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Preface

Composite laminate components are prone to debonding/delamunation when subjected to high interlamunar stress or when
under impact. While delanunation failure 1n itself 1s not usually catastrophic, its weakentng influence on a component may lead
to subsequent failure modes. Hence debond:ng or delammation may signuficantly reduce the strength of an aircraft or its fatigue
life.

The objective of the Specialists’ Meeting, organised by the Structures and Materials Panel in the Spning of 1992, was to review
the present state-of-the-artin the analysis, detection and repair of delamuination. Twenty-mne excellent papers were presented to
an audience of over 100 leading specialists from NATO countnes. Discussion of the papers presented and the final summary
session revealed some common concerns and issues and gave rise to several recommendations.

In bninging together the vanous expenences of air forces, governments, industry and universities, the Specialists” Meeting has
helped in1dennfying the key 1ssues related to the debonding/delamination problem

Préface

Les éléments stratifies composites sont sujets au décollement et au délaminage lorsqu'ils sont soumus a des contrantes
interfaminaires élevées ou a un choc. Bien que le délaminage ne soit généralement pas catastrophique en lui-méme,
l'affaiblissement de I'élément qu en découle peut causer d'autres modes de défaillance. Par consequent, le décollement ou le
délaminage peut considérablement réduire la résistance d'un acronef, notamment sa durée de vie en fangue.

Lobjectif de ta Réunton des specialistes, organisée au pnntemps 1992 par le Groupe de travail sur les structures ct les matériaux,
était de faire le point sur l'etat actuel des techmques d'analyse, de detection et de correction du délaminage Vingt-neuf
excellents documents ont ete présentes a un auditotre de plus de 100 specralistes de pointe représentant les pays de TOTAN Les
discusstons sur les documents présentés et 1a séance de cloture ont permis didentifier certains intéréts communs et d'énoncer
plusieurs reccommendations.

En permettant aux armées de I'air, aux gouvernements, a l'industne ¢t aux umversités de mettre en commun leurs expériences, la
Réunton des speciahistes a contnbue a I'dentification des principaux aspects du probleme de décollement ou de délaminage.

1J Kacprzynski

Chairman

Sub-commuttee on
Debonding/Delamination of Composites

b
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FREE EDGE DELAMINATION FREVENTION IN COMPOSITE
LAMINATES

N. J. Pagano
WL/MLBM
Wright Patterson Air Force Base
Dayton, Ohio 45433-6533 USA

S. R. Soni

AdTech Systems Research, Inc.
1342 North Fairfield Road
Dayton, Ohic 45432-2698 USA

1. SUMMARY

The key to success in the prevention of free edge
delamunation is the understanding of stress components and
contributing factors responsible for the onsct of
delamination. The ccntributing factors may be fiber/matnx
properties, ply orientations and stacking sequence. In the
past two decades the authors have done extensive theoretical
and experimental invesugations on this topic. As a result of
their continuous work 1n this arca a umque software
package, "Automated System for Composite Analysis” has
been developed. This paper demonstrates the effectiveness
of the Automated System for Composite Analysis (ASCA)
for identifying the contnibunions of the influencing factors
responsible for the onset of delamination and help select
safer configurations. For this purpose two matenial systems
(one polymer matnx composite AS4/3501 and one metal
matrix composite SCS6/T1) have been considered. These
two composites represent highly orthotropic and near quasi-
tsotropic matenal properties. The ASCA code has been
used to obtain the effecuive ply properties by utilizing
NDSANDS module. These ply properties are automatically
transmitted into the free edge stress analysis (FESAP)
module. The FESAP module calculates all the six stress
components at different locations of the laminate for given
applied in-plane strain. These stresses are automatically
transferred to the NDSANDS module to predict stresses 1n
the constituents. This sequence provides the user the
detailed information to identify the influencing factor for
controlling the onset of delamination The same cycle can be
used for point stress analysis in the lamination theory
(CLAP) module and the analysis of laminate with transverse
crack (ALTRAC) module. The investgation of a few
umportant aspects for the above mentioned two material
systems has revealed the following messages:

The interlaminar normal stress O at the mid surface reduces
with increased number of (0/90) stacks in the (0/90)ns
laminates of polymer matrix material. The free edge region
diminishes with increasing value of n  This also reduces the
stress concentration factor. The free edge out-of-plane

normal stress component Oy at the midsurface for a
delamination prone laminate (+30/90)s is higher for the metal
matrix composite than that for the polymer matnx composite.
The same observation 1s made for the (0/90/+45)s laminate.
Because of the near quasi-isotropic nature of the metal matrix
composites it is believed that the free edge delaminauon is
not 2 point of concemn. The abovementioned fact shows
contrary to this belief. These are extremely important
observations to develop methods for avoiding free edge
delamination in composite laminates.

2. INTRODUCTION

Various models to calculate the nature of the interlamimar

stress field in the ncighborhood of the free edge of a
composite laminate under axial extension are presented [1).
The first model [2) is a primitive one that can be used to
determine exact results for the interlaminar stress and
moment resultants  This model serves the purpose of
defining the detailed stacking sequence required to either
promote or resist delamination. The method involves the use
of classical lamination theory 1n conjunction with force and
moment cquihbrium on a ply-by-ply basis.

The second model (3, 4) provides a detailed solution for the
stresses 1n a particular laminate once the stacking sequence
has been selected  This model 15 based on the representation
of individual layer response by in-plane forces and moments
per unit length plus interlaminar tractions. The field
cquations are then derived from an extension of Reissner's
vanational painciple for laminated bodies. While this model
can be shown to approach exact theory of elasticity 1n the
limit of vanishing layer thickness, solution of practical
problems can be mited to 10 to 20 layers because of the
complexity of the model.

The Global-Local Model {5]) removes the restriction on
number of layers and provides tractable solutions for
laminates of arbitrary thickness. The key to the new
approach hes in the precise modeliag of local geomury 1n
predetermined region for which accurate stress predictions
are needed (Local) while the remaining region is represented
by 1ts overall response in terms of forces and moments over
the entire region (Global) Mathematically, different
variational functionals provide the mechanism for such dual
representation.  Numerous practical solutions have
demonstrated the efficacy of Global-Local modeling 1n
predicting the steep interlaminar stress gradients
characteristic of laminate free-cdge regions. Furthermore,
application of the new model in defining a realistic cniterion
for the onset of delamination has also been demonstrated.

The three models were utilized and correlated with extensive

expenmental data reporting onset of delamination to deduce a

so-called average stress failure cniterion [6,7). The effects of

residual cunng stresses are included in the analyses. .

convenient summary of the above work can be found

fhaptcrs by R. Y. Kim and the present authors 1n reference
1.

This paper comprises a number of investigations including
micromechanics, free edge stress analysis and the effect of
constituent properties on the response characteristics of
different laminates - All the computations are done usiag the
ASCA computer code. This code is designed for personal
computers and is a result of a cooperative R&D agreement
between the organizations of the authors of this paper. This
code incorporates various models, including micromechanics
and lamination theory, failure analysis, free edge stress
analysis {3} and computation of stresses in the vicimty of
transverse crack (s) [9), in 2 convenient package{8]




3. PROBLEM DESCRIPTION

Figure 1 shows the laminate geometry, co-ordinate axis, and
the direction of applied strain. The magnitude of the
resulting stress components in the laminate 1s dependent
upon the properties and geometric paramcters of the
constituents (1.c. fiber, matrix and/or coating propertics,
fiber volume fraction) stacking sequence and applied load.
Any one of these stress components or a combination thereof
may be responsible for onset of delamination in the
laminate. Because of 'ow interface strength in certain
composites (ceramics or metal matrix) the fiber matrnix
mterface may develop damage. In this study the following
nvestigations are conducted by using the ASCA code:

3.1. Determination of effective ply properties for two
matenial systems, namely AS4/3501 and SCS6/Tt. The
matenal properties of the fiber and matnix matenals for each
composite are given in Table I The fiber volume fraction
for AS4/3501 is considered to be 67% and that for SCS6/Ti
is considered to be 30%.

3 2. Invssugate the free edge region 1n (0/90)ns laminates.
Five values of n (=1,2,3,4 and 5) for AS4/3501 matenal
and one value of n (=t) for SCS6/T1 matenal are
considered. This provides a qualitative and quanutative
understanding for reducing stress concentration at the free
cdge thereby revealing a method to prevent delamination

Study the convergence of calculated stress 6, based upon
different subdivisions of the ply thickness.

33 Study two commonly used delammation prone quasi-
1sotropic laminates (+30/90)s and (0/90/+45)s to compare
the response between two disuinctly different matenal
systems AS4/3501 and SCS6/Tt.

3.4, Study the stress distribution, n fiber and matnx
materials, lated by the applicd inplane strain at the free
edge and away from the free edge. This will provide details

of impending fiber/ matrix interface farure.

4. BRIEF DESCRIPTION OF ASCA

Figure 2 shows the steps ASCA undertakes for investigating
different strength and stiffness aspects of composite
larminates. After the initial material design screening phase,
optimum materials can then be subjected to experimental
characterization Fiber and matrix properties (ané coatings,
if present), as well as simulated interface conditions ¢can be
uscd to compute composite layer moduli 1n a
micromechanics module  These moduli are then
autc.natically transmitted to either of the following:

4.1) alaminate module (CLAP) to define effective
lamuinate proverties, point stress analysis and failure
analysis.

4.2) 2 module (FESAP) to define the stress ficld in
the presence of free edges, so that one may understand the
hehavior of the laminate 1n a subsequent expeniment under
applied 1n-planc loading, including the influence of residual
thermal stresses.

4 3) a module (ALTRAC) to determine the stress
ficld 1n the neighbortood of a transverse crack 1n one or
several layers

4.4) a module (NDSANDS) to analyze an N-
drectional compostte (one 1n which fibers are oriented tn N
oblique directions 1n space).

Afterwards, the Yehavior of the laminates (for which the
precise stacking sequence can be determned theoretically) is
recycled to the micromechanics module to compute the stress
ficlds 1n the fiber and the matnx (and the coating if present).
Thus the in-situ response of the constituent materials in the
laboratory test specimen can be determined theoretically, at

which point new decisions regarding constituent material
and/ or interface selection can be made.

TABLE 1
Fiber and matrix material properues for two composite
material systems
AS4/3501 SCS6/Ti
Fiber | Matrix | Fiber | Matrix

EAMSD | 340 | 062 60 12
Fp (MSD) 2.0 062 60 12

VA .20 0.34 22 .3

vT 25 034 22 .
Ga (MSD 4.1 0.23 25 4.7

5.  RESULTS AND DISCUSSION

Effective ply properties for the two matenal systems
considered here are given in Table I These properties are
calculated by using the NDSANDS module of the ASCA
code Figures 3-8 show the wterfamunar stress component
acting at the midsurface of each lanunate with the properuies
of table 1I transmitted 1n to the free edge stress analysis
module FESAP from NDSANDS. The apphed mnplanc

strain was €x= 00001, Figures 9-14 give the micro-
mechanics stress components 1n the vicinity of the fiber
under the influence of applied load at two locations (free
edge and 069" away from the free edge) for AS4/3501
matenal

Table Ul
Ply Properuies for AS4/3501 and SCS6/T1 Composites

Property AS4/3501 SCS6/Ti
Ej; (MSD) 229 26.6
Epp (MSI) 14 18 3
E33(MSI) 1.4 183 |
Gp(MSH) 0.9 7.05
Gy3(MSD 0.9 7.03
Gy3(MSI) 051 6.98

V12 0.24 0.3

Vi3 024 03

V23 035 031

Figure 3 contains O at the midsurface of the (0/90)s laminate
with four different mathematical subdivisions of the half
laminate thickness i ¢. {(0/90)s, (0/0/20/90)s, (0/90/90/90)s
and (0/0/0/90/90/90)s}. In the laminate notation the
underline onentations are subdivisions of a ply with that
angle 1 €. (0//30/90)s represents a (0/90)s lamunate with two
subdivisions of each ply It has been observed, as expected,

that the stress component O in the vicinity of the free edge
for different configurations is different where as at location
more than a ply thickness away from the free edge the
magnitude is almost the same for each configurauon. Figure
3 shows that the results for the latter three configurations
provide a convergent result at the free edge  Sumilar
observations were made for two cases (0/90/0/90)s and
(0/90/0£0/90/90)s configurations Based upon the resuits in
the (0/90)s case studies, the curve wath (0/90/Q/0/90/90)<
configuration (not shown 1n figures) is the convergent result




Table Il
Effecuve In plane es for Lamunates Consadered
AS4/3501 SCS6-T
090 § 23090) J0/901245), § (090 | (+3050) §(090/245),
Ex 122 8.85 885 | 225 209 209
Ey 122 88 585 | 225 209 209
| Vay 03 29 29 | 024 03 03
Gxy 09 34 34 | 103 803 803

Figure 4 shows the stress component G at the midsurface
of the following configurations of (0/90/0/90/0/90)s
laminate:

(0/90/0/90/0/90)s
(0/90/0/90/0/0/3090)
(0/90/0/950/0/0/0/20/50/90)5
(0/90/0/90///X/90/90/90)s

The results for all the four cascs are close beyond the
distance 001" away from the free edge. Near the free edge
the latter two cascs give close results and the first two cases
give considerably different results. figure 4b shows results
near the free edge, with finer subdivisions of the width

region. The computational experiment on the results of o at
mudsurfaces of (0/90/0/90/0/90/0/90)s, (0/90/0/900/50/04)/
90/90)s and (0/90/0/90/0/90/0/20/90/90) laminates again
show the similar trend in convergence of results in the free
edge region.

Figure 5 shows the stress componeat O at the midsurface
of (0/90)s, (0/90/0/90)g, (0/90/0/90/0/90),
(0/90/0/90/0/90/0/90)s and (0/90/G/90/0/90/0/90/0/90)¢
laminates. The stress at the free edge for various laminates
are different than the actual stresses  That ts because of
inadequate subdiviston of the layers. Away from the frec
cdge, the stresses are within acceptable range of accuracy

The key clement of this figure 1s the vanation of 0 trend as
we go away from the free edge. Figure 5a shows the stress
distnbution for these laminates within the vicinity of the free
edge (for distance 0 to 01" of the Figure 5) with refined
subdivisions. It 1s seen from figure Sa that the stress
concentration at the free edge is monotomically decreasing
with the increase of repeated (0/90) ply stacks The
application of an average stress failure critenion will give

tower effective G, for lammnates with increasing number of
0/90 stacks.

Figure 5 also gives as dotted lines the extrapolated resuits
near the free edge by considening a straight line between the
first two ponts away from the free edge The values of o,
at the free edge computed by this process are close to the
values computed by subdividing the layer thickness as
shown 1n Figures 3 to 5. These extrapolated and thickness
subdivided computauonal values are given 1n Table IV.

Table IV

Companson of ©; at the free edge between
extrapolated values and refined model values

Laminate Extrapo- | Refined
lated
(0/50)s 2.03 2.1
(0/90/0/90)s 1.2 1.27
(0/90/0/90/0/90)s 0.95 1.05
(0/90/0/90/0/90/0/90)s 0.85 .96
(0/90/0/90/0/90/0/90/0/90)s 0.8 -

1-3

In the past the authors have demonstrated that the average
stress over a region equal to a ply thickness from the free
edge is considered the effective gcc edge stress. For finding
the average (or effective) stress under this criterion the area
under the curve is divided by the width. The area can be
approximated as half of the stress at free edge times the ply
thickness. The mathematcal simplificauon of area divided
by the ply thickness provides that the crude approximation

of the effective stress 0, acting at the free edge in (0/90)ns
:iminatcs is about a half of the maximum stress at the free
ge.

Figures 6-8 show comparisons of o, between two material
systems for (£30/90)s and (0/90/+45)¢ laminates. To
compare the response between two distinctly different
material systems, AS4/3501 and SCS6/Ti were considered.
It has been observed that 6, for SCS6/Ti is higher than that
for AS4/3501 for both the laminates (£30/90)¢ and
(0/90/+45)s. Both these AS4/3501 laminates are
delamination prone.  The figures 7 and 8 suggest that
SCS6/T1 laminates wall also be delamination prone.

Frgures 9-14 shows the micromechanics stress components
compured for (0/90)s laminate in the vicinity of the interface
for one matenal system. The applied stress components for
the micromechanics model come from the FESAP module
Two locations are used for the computations, one at the free
edge and the other at a distance .069" away from the free

edge Only o1 and 62 at one radus of the fiber or matrix 1n
the representative volume clement of the material are
cotnputed. The computations are done for two combinations
of radtal and circumferencial directions. Figure 9 shows the

stress component O] in the ply coordinate system using

micromechanics module Thus o} is stress component
acting in fiber direction in the 90 degree ply. This is based
upon the stress distnbution computed 1n FESAP module and
used 1n the micromechanics module. This study provides
the required information to understand the mode of failure.
The key observations :n micromechanics stress results are
the stress discontinuities at the fiber matnx interface. Based
upon the loading and the matenal properties these
discontinuities can be responsible for the onset of
delamination or transverse crack  The code provides a very
useful tool to design laminates not prone to delaminaton

6. FUTURE PLANS

The ASCA computer code is modified to incorporate
nonlinear matrix properutes. The work 1s 1n progress 10
include the probabilistic aspects of composite matenals.
New inodules are also developed to investigate the joining of
composites. The present capability for joining aspects
consists of bolted joint and double lap joints. For that
purpose the code 15 available immediately. New modules
will be developed for other jotnts. Wath the ever increasing
developments in composite matenal science and technology,
the capabilities of the ASCA computer code 1s constantly
growing.
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LAMINATE GEOMETRY

Figure 1: Lanunate geometry with coordinate axis
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Delamination and Fatigue of Composite Materlals: A Review

T. K. O'Brien
W. Elber
U.S. Army Aerostructures Directorate
Mail Stop 266
Langley Research Center
Hamplon, Virginia 23665

SUMMARY

Research exploring the role of delamination
on the durability and damage tolerance of
advanced composite materials is reviewed.
Recent studies on the characterization of
composite delamination are summarized.
Recent analytical soluti for interl
stresses and strain energy release rates
associated with common sources of
delamination are also reviewed. The role of
delamination in (1) low velocity impact, (2)
residual compressnon strenglh and (3)
fat s highlighted. O is shown
to be the common damage mode observed in
all of these problems. A Damage
Threshold/Fail-salety concept for addressing

USA

delamination may arise as a resull of a
combination of inteclaminar normal tensile
stresses and interlaminar shear stresses, the
delamination may be a mixture of the three
classical fracture modes. These include an
opening mode |, a sliding shear mode I, and a
scisst ng shear mode Ill.

The mode | interlaminar fracture toughness is
typically measured using the Double
Cantilever Beam (DCB) test {1] In the DCB
test, delaminations start at the insert and
grow in a stable maaner along the beam.
However, because the beams are
unidirectional, the fiber nesting that is
typically present resuits in fiber bridging

posite damage tol is

1. INTRODUCTICN

As high strength, fiber reinforced polymer
matnx composites are considered for highly
strained primary aircralt  structures,
increased aitention is bemng devoted o the
understanding and chcracterization  of
composite delamination Delam.nation may
resuit from low velocity impact, from
eccentricites in structural load paths that
induce out-of-plane loads, or from
discontinuties in the structure that create
focal ntertaminar stress singularies. The
purpose of this review paper i1s to highlight
some recent research studies on composite
delamination. Work by the authors and others
are highlighted along with some sigmificant
results in the hterature.

2. DELAMINATION CHARACTERIZATION

c "

the delamination plane between the
two beams as the delamination grows [2,3].
This fiber bridging causes the apparent
toughness to increase with delamination
length (fig 1) {4]). However, because fiber
brndging is not present imhally, the onset
value of Gjc measured from the insert may be
representative of a naturally occurring
delamination, assuming the insert s
sufficiently thin (fig.2) {4).

The mode H interlaminar fracture toughness
is typically measured using the End Notched
Flexure (ENF) test. The ENF test involves
loading a umidirectional beam, with a thin
insert at the mtdplane of one end, in three
point bending Delaminat start at the
insert and grow in an unstable manner along
the beam {S]. Therefore, only the onset of
mode Il delamination is measured. Recenlly, &
stabiized version was proposed whereby the
test i1s controlled to a constant shear

drent.

21 Moootonic _ loading P

delamination is most commonly charactenzed
using fracture mechanics test methods.
Cntical values of strain energy release rale
are measured to quantfy the interlaminar
fracture toughness Because composite

displac t at the defamination front [6).
However, any value measured after the onset
will have shear damage at the delammahon
front that may inil Gile

{7.8}
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Prosently, there are no commonly accepled
test miethods for measuring mode Il scissoring
delamination A Spht Cantilever Beam (SCB)
was proposed for this purpose [9). however, 1t
was cemonstraled to contain a sigaificant

3. DELAMINATION ANALYSIS

Many solutions have been generated for the
strain energy release rate, G, associated with

mode 1l contabution (10) ODelamunalions that
occur naturally are mixed-mode, resulting
from both nterlaminar tension and shear
sttesses To date, all the mixed-mode tests
that have been prescnibed are combinations of
mode 1 and mode It [11-14] Recently, a Mixed-
Mode Bending (MMB) test was developed that
utihizes the same umdirectional beam tested :n
the DCB and ENF fests {13,14). The MMB test
provides tough ts over a wide
ratio of raode | and mode Il that may be used
with the OCB and ENF measurements to develop
mixed mode delamination faiture cntera.

2.2_Cyche Loading The same tests that are
commoanly used o measure interlaminar
fracture toughness have been used to
charactenze del ion n fatigue. Early
work atlempted to Simulale crack growth laws
by correlating the rate of delamunation growth
with cycles, da/dN, wilth the maximum cyclc
slrain energy release rate, Gmax. or the cyclic
range o! G (15,16} However, retardation occurs
in the DCB test due to the fiber bridging that
develops once the delaminaton forms (17}
Figure 3 shows da/dN data generated on
umidirectional DCB AS4/PEEK specimens As
the delamination grows, Gimax decreases and
tiber bndging develops. Hence, the generic
value of the slope of the log-log plot, and the
apparent threshold value, are questionable.
Furthermore, even wilh fhber bridging present
these powes law curves are much steeper, te.,
they have much larger siopes on a log-log plot
of da/dN versus G, than similar curves for
most metals Hence, a very small error n
estimaled ioad, and hence G, will result in a
large error 10 defamination growth rate.
Therefore, the classical damage tolerance
approach of tracking crack growth may not be
practical for composite delamination.

Another approach to characterize delamwmation
onset under cyclic loads using the DCB and ENF
tests by plotting the maximum cychic G as a
function of cycles to delamination onset has
been proposed {17) Figure 4 shows a plot of
Gimax as a function of the number of cycles to
delamination onsel. The curve it lo the data
reaches an asymplote, or threshold G value,
near 105 cycles

del tion qrowth Typically, these G
solutions are generated using a finite element
analysis and the virtual crack closure
technique (VCCT) [18] This technique yields
mode |, mode W and mode 1l stran energy
telease rate components The total G s
obtained by summing these three modal
components, and may be venfied using a global
energy balance analysis

3.1_Edge_Delapinatiop Early solutions in the
literature  showed that the strain energy
release rate for edge delamination was
independent of delamination size and vaned
with the ply thickness and the square of the
apphed strain {19). Finite element analyses
showed that the individual fracture modes
ware also ndependent of delamination length
{20} These edge delamination solutons have
been extended to the case of a laminate with
an open hole using the rotated straight edge
techmque {21} A higher order plate theory
(HPT) technique for calculating the various
modal components was later developed and
tested by comparing to finite element (FEM)
analyses of the numerous edge delamination
cases that result from the rctated straight
edge analogy for the open hole [22) Figure 5
shows the vanation in G| and Gyt with angular
position around the hole for a delamination 1n a
particular nterface Swmilar plots may be
generated for each umque interface 1n the
laminate. These G calculations may be used to
identify the most hkely location for
delamination to appear around the hole
boundary.

"

4.2 Delamipations from Matrix Ply Cracks
Early studies contrasted the difference in edge
delaminations with the more locahzed
delaminations that form at the intersection of
the matnx crack and the stress {ree edge [23)
This localized delamination commonly occurs
in fahgue, and 1s the pnmary reason that
fatigue fallures occur in tension {24) Recent
3D finnle etement models of delammnations
originating at the intersection of matrix
cracks with free edges have demonstrated that
very large tensile ntetlaminar normal
stresses may develop at these locations
[25,26). Also, G componenls have the greatest
magnitude near the intersection of the matrix
crack and the free edge (fig 6)




33 Ply Drops 1n Tapered Lamunales  In many
structural apphications, composite laminates
are tapered to reduce thickness This tapering
is typically achieved by dropping internal plies
These terminated plies create discontinuities
that resuit 1n local stress singularities.
Several investigators have studied the
intertaminar sttesses that develop in tapered
laminates {27,281 Recently, a study was
completed where the slrain energy release rate
associated with delamination growth from a
discontinuity in a tapered laminate was
devaioped [29). As shown in 1ig.7, strain energy
release rate solutions were generated for
delaminations growing from the juncture
between the thin and tapered regions. The
analysis was performed using the virtual crack
closure technique (VCCT) as well as an energy
balance technique that yielded similar resulls.

3.4_Delamination from buckled sublamioates
One source of composite delamination growth
is the local instability that arises from the
buckling of a delaminated region under
compression loading. The most commonly
analyzed problem consists of a laminate wilh a
through-width delamination near one sutface
Both the load at which the sublaminate will
buckle and the strain energy release rate, G,
for further delamination growih have been
calculated [30]). Several authors have extended
this analysis to an embedded circular or
elliptical detamination (31,32]. G solutions
have been generated and used with G|¢ values
to predict delamination growth. Figure 8 shows
that the predicted strain for the onset of
sublaminate buckling varies with the depth of
the initial delamination, which locates the
delaminated interface and determines the
sublaminate that will buckle (31)

4. DELAMINATION IN LOW VELOCITY
IMPACT

Composite laminates subjected to  w velocity
impacts often experience extreme damage that
may not be wisible on the impacted surface.
This damage may lead to significant reductions
in the ability of the lamirate to carry the
desired compression load

! Several studies have
been conducted to charactenize the nature of
impact damage in composite laminates {33-34).
Typically, the high lransverse shear stresses
induced duning the unpact create a comcal
pattern of matnx cracks in each layer that
initrate local delaminations betlween 1he

layers. Recenlly. several researchers have
developed a rationale called the "K" rule for
anticipating the damage pattern based on the
laminate layup and stacking cequence [35-36).
This rule ailows the analyst to anticipate the
kind of “"spiral staircase” pattern of matrix
cracks and delaminations that develop during a
low velocity impact on a laminate with
arbitrary 'ayup. Figure S shows the pattern
that develops through the thickness of a quasi-
isotropic laminate [36).

Recently, a finite element analysis was
performed for delamination in laminates
initiating from impact induced matrix cracking
{37). A three point bending load was applied to
a cross-ply laminate containing matrix cracks
that were oriented in the 45 degree direction
through the thickness of the central 90 degree
ply to simulate a matrix crack resulting from
transverse shear loads (fig.10). The analysis
indicated that large tensile interlaminar
normal stresses were created at the tip of the
matrix crack in the 0/90 intarfaces (fig 11),
and that a mode | component 1s present with
subsequent delamination growth from the
matrix cracks (fig.12). Hence, delaminations
that form due to low velocity impacts do not
result from interlaminar shear stresses alone.

rossion Afler impacl . A model for
predicting the residual compression strength
for quasi-isotropic laminates having impact
damage simulated by the "K* rule has been
developed [38,39). Impact damage was
simulated by a spiral array of transverse
cracks and delaminations forming 4-ply thick
circular sublaminates. The analysis steps to
predict the effects of this damage included a
mode! of sublaminate stability, an equivalent
reduced stiffness calculation for the buckled
damage zone, and a finite element arnalysis of
stress redistribution that included finite
width  effects. Sublaminate properties
affecting damage tolerance were found to be
the reduced bending stiffness, sublaminate
thickness, and diameter The critical material
properties affecting damage tolerance included
modul and undamaged compression strength.

5. DELAMINATION IN FATIGUE

Delarmination is commonly observed in fatigue.
Composite laminates that do not delaminate
before final failure under mcnotonic loads will
often exhibit stable delamination {ormation
and growth in fatigue.

2-3
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hed Laminales Defannnat'ons
typically form at slraight edges n unnotched
laminates due to the Poisson mismalch created
by the particutar layup or stacking sequence
{19.20]). Furthermore, delaminalions also form
at the straight edge as a result of matnx
cracking {23,26] Recently, a tension fatigue
life prediction methodology was proposed
based on predicting the accumulation of
delaminations through the laminate thickness
{24] Unnotched laminates subjacted to
compression fatigue also fa! n this way [40)
For stitched laminates, the rate of
delamination growth appears lo be retarded
{41] However, the ultimate compression
failure also results from an accumulation of
delaminations through the laminate thickness.

Finite element models
of delamination 1n tapered laminates showed
that the initial delamination growing from the
juncture between the thin and tapered region
consisted primanly of an opening (mode 1)
component [29]. Calculated G values have been
compared to cyclic DCB data to predict the
cycles to delamination onset in unidirectional
and multi-ply tapered laminates [42,43).

Open hole faligue data
is often used to compare one damage tol ]

For bnitle matrix composites, delaminations
form in nearly every interface duning the
tmpact Hence further cyclic loading creates
iitle new damage. However, in the toughened
matnx and sttched composites, only a few
interfaces are delaminated dunng the wmpact
However, subsequent cychic toading will cause
delaminations 15> form at the matux cracks
created by the impact, at the interseclion of
angle plies and hiee edges, or at the stitches,
until nearly all the nterfaces are defaminated.
When the damage b tensive through
the thickness, after 106 cycles or greater, the
compression strengths become similar to those
measured for the bnttle matnx composiles
subjected to 1mpact alone (fig 13b).

6. DAMAGE THRESHOLD/ FAIL-SAFETY
CONCEPY

A Damage Threshold/Fait Safety phifosophy has
been proposed lor ensuring that composite
structures are both sulficiently durable for
economy of operation, and adequately damage
tolerant for safety of flight [46]. In this
approach, matrix cracks are assumed to exist
throughout the off-axis plies. Delamination
onset is predicted using a strain energy
release rate analysis Delamination growth 1s

concept to another. For example, fig 13a shows
the open hole compression (OHC) fatigue S-N
data for a sticted AS4/3501-6 laminate and
an unstitched 1147/8551.7 tape laminate, both
containing a 1/4 inch diameter hole [44]. Both
malenals exhibit simiar fatigue behawvior,
with the degradation 1n compression strength
with cycles resulting frum the formation,
growth, and accumulation through the
thickness of delaminations that begin eiher at
the straight edge, or at the hole boundary.

Figure 13b shows fatigue results for the same
two types of laminates that were first
subjected to low velocity impacts Although
the compression faillure strain aller impact
{CAl) is 06%. or greater, for tha toughened
matsix and sltched composit their falg

strength continuously decreases, just as was
observed for the open hole laminate. However,
bnille matnx composites, Iike the unshiched
A34/3501-6 larmnates, tend to have rolatively
flat S:N curves following low valocity impacts
{45] The diierence in the shape of the S-N
curves following low velocity impact may be
altnbuted to the type and sevenly of loading
requred 1o cieate the same accumulation of
delaminations through the laminate thickness

act d for .n one of three ways: either
analytically, ustng delamination growth laws
in conjunction with stramn energy release rate
analyses; expernmentally, using measured
stiffness loss; or conservatively, assuming
calastrophic delamunation growth. Fail safety
is d by accounting for the acc lation
of delaminations through the thickness. This
concept was demonstrated for predicting
tension fatgue lfe. Furthermore, techniques
were also outhned for compression fatigue,
tension/compression fatigue, and compression
strength following tow velocity impact.

7. SUMMARY

Research on delammnation, durabiity and
damage lolerance of composile matenals was
reviewed. Delamination characterization
studies were surmmanzed. Recent analytical
solutions for interlaminar siresses and stran
energy release rates assoctated with common
sources of delamination were aiso reviewed.
The role of delamination in low velocily
impact, in residual compression strength, and
in fatigue were highiighted. Delamination was
shown to be the common damage mode observed
i all of these problems A D

ik




Threshold/Fail-safely concept for addressing
composite damage tolerance was summarized.
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INITIATION AND PREVENTION OF EDGE DELAMINATION
WITH AND WITHOUT RESIDUAL STRESSES

R. 8. Sandhu, G. P. Sendeckyj, G. A. Schoeppner and J. E. Pappas
Structures Division, Flight Dynamics Directorate, Wright Laboratory,
Wright-Patterson Air Force Base, Ohio 45433, USA

SUMMARY

The total delamination moment (DM) 1s showntobe a
quantitative criterion for predicting delamination imitiation in
composite laminates near free edges. To determine the
initiation of delamination near free edges, DM of the laminate
is compared to the critical delamination moment obtained
experimentally. Specially designed specimens incorporating
variable radius geometries are used to determine the cntical
DM. The analytical technique coupled with the expenmental
data 1s used to minimize the tendency of the laminates to
delaminate without increasing the designed thickness of the
laminates. In addition, residual curing stresses are included
in the analytical techmque to determine therr effect on the
initiation of edge delamination.

1. INTRODUCTION
Composite lamunates have a tendency to delaminate near free

edges when subjected to in-plane loads. The tendency to
delaminate and the resulting free edge stresses have been

studied extensively using analytical and numerical techniques.

These studies have provided insight into the nature of the
stresses and the influencing factors. However, efforts [Ref.
1 thru 19] to experimentally determine the onset of edge
delamination have met with varying degrees of success.
Reference 18 provides an excellent review of various
methods for real ime delamnation detection. These methods
fall into five categorics, namely, () quasi-static loading with
nspection, (b) visual observauon, (c) acoustic emission
monitoring, (d) ultrasonic transmission scans, and (¢)
stiffness changes in laminates. Of all the reviewed
techmiques, the use of the in-situ ultrasomic transmission scan
[Ref. 18,19] provides the most accurate assessment of the
onset of edge delamination. However, the results could be
improved if a shorter specimen were interrogated.

The standard approach for predicting the onset of
delamination is to estimate the interlaminar tensile stress, Oz,
near the free edge and to assume that delamination occurs
when this Oz reaches a critical value. These computations are
performed either by the finite clement method or by various
approximate techniques. The approximate techniques
sometimes lead to esroncous results. For example, a study
conducted to determine interlaminar normal stresses at
delamination initiation in (£40°,/900) laminates indicated
that both the interlaminar normal stresses calculated by the
F.E. method and the delamination tendency quannfied by

delamination moment coefficient, DMCg, of the laminates

increased with increasing number of £40° plies. However,
the use of an approximate method (Ref. 1, eq. 7) yiclded
interlaminar normal stresses that decreased with increasing
number of £400 plies (Fig. 1). In addition, these approaches
are t0o tedious for use in a laminate stacking sequence
optimization procedure for selecting laminates with a
minimum tendency to delaminate. In previous work (Ref. 13
and 17), we suggested a much simpler approach based on the
delamination moment concept for sclecting stacking
sequences minimizing the tendency for delamination. The
total delamination moments can be casily calculated for all
possible stacking sequences for a laminate with a given
number of plies and used as a delamination initiation
criterion. The total delamination moment is given by

DM =DMCg 0o + DMCT AT (43]

where DMCT, AT, DMCg and Oy are the delamination
moment contribution due to one degree change in
temperature, the temperature change from the stress-free
temperature to the test temperature, the stress-based
delamination moment coefficient, and the axial stress at
delamination onset, respectively. Both DMCt and DMDg
depend on the stacking sequence in a simple manner. Since
DM is expected to be constant at delamination onset, the
stress for delamination imuation can be easily calculated
provided that AT 1s known.

The present research was performed to further investigate the
use of the total delamination moment as a delamination
criterion. The research consisted of analytical and
experimental studics. In the exper 1 part of the study
reported heren, we designed the specimen to have a red sced
width in the central region so that delamination occurs in the
area of reduced width. This specimen design was used to
determine expenmentally the onset of delamination. In
addition, the effect of residual thermal stresses on the
wnitiation of edge delamination 1n specimens was exarmned.

2. SPECIMEN DESIGN STUDY

The candidate specimen with bonded fiber glass tabs 1s
shown in Fig 2. The specimen is 22.86 cm (9.0 inch) long
and 3.81 cm (1.5 inch) wide except for a middle straight
segment of 1.02 cm (0.4 inch) where the width is reduced to
2.54 cm (1.0inch). The width reduction occurs over 2.54
cm (1.0 inch) fillet segments on both sides of the central
straight segment. The usual method of reducing the width of
the specimens is by using circular fillets This method has a
senous shortcoming, i ¢ , at points where the straight edges
are tangent to the circular arcs, there 1s a mismatch of the radn
of curvature resulung in regions of high stress concentration.
To resolve the problem, we tnied the following two simple
transition curves with vanable radii

v=Kx3 @

v=Kkx4 ®
subject to the conditions Y=0 for X=0 and Y=0 635 cm (0 25
inch) for X=2.54 cm (1.0 inch). The radn of curvature for
both curves are infimite at the points where they intersect the
straight segments. A two-part feasibility study consisting of
analytical and expennmental efforts was conducted to finahze
the design of the specimen.

For the analytical investigation, a two-dimensional linear
finite element program developed at the Wnght Laboratory
was used. Based on the results of Ref. 13 and 17, the
(£402/90), stacking sequence, which has a very high
tendency to delaminate, was sclected for this study. Since the
specimens have two axes of symmetry, one quarter of the
specimen was modelled  Finite element models A, B and C
(shown in Fig. 3) comresponding to specimens with (a) a
circular fillet of radius equal to 5.4 cm (2 125 inch), (b) a
variable radius fillet using Eq. 2, and (c) a vanable radius
fillet using Eq. 3, respectively, were generated  Each model
had 918 nodes and 2544 elements with X »nd Y axes being
directed along the length and width of the specimens,
respectively. A uniform extensional displacement equal to
0.1524 mm (0 006 inches) was apphed at the narrow end of
the models (Fig 3) To compute stresses and strains in the
specm'ls. the following material elastic constants were
assumed.

N gy g i




E1n 132.80 GPa (19.26 Msi)
E22 9.10 GPa (1.32 Ms1)
G12= 5.72 GPa (0 83 Ms1)

vi2= 0.35

Axial and transverse strains obtained from the finite element
analysis were used to plot strain contours for the boxed
poruions (Fig 3) of the three models. The contour plots
shown 1n Figure 4 and the plot of axial strains in elements
near the edges of the specimens (Fig 5) indicate thata
considerable improvement in the axial strain distnbution in
the test section resulted from the usc of fillets with variable
radii. To sclect the appropriate curve (Eq 2 or Eq. 3), 2 small
experimental investigation was conducted

An AS4/3501-6 graphite/epoxy panel wath a (+402/90)g
stacking sequence was fabncated Using a programmable
water jet cuting system, the panel was cut into two sets of
five specimens each with the two variable radius transition
curves. The geometry of these specimens 1s shown 1n Figure
2. The specimens were strain gaged using eight CEA-03-
125UW-350 gages as shown in Figure 6(2). The stramn
gages were bonded with their longitudinal axes transverse to
the specimen axes to record transverse strains  The
specimens were tested at ambient conditions in an Instron
Test Machne, Floor Model TT-1115. They were loaded at a
crosshead speed of 1.27 mm (0.05 inch) per minute. Data
obtained consisted of ax:al stress and transverse strans for all
specimens

On the basis of this feasibility study, it was determined that
(a) edge delamination occurred in the reduced cross-sections
of the spccimens, (b) delanunation imuation was indicated by
a sudden ncrease 1n the transverse strains observed in the
axial stress vs transverse strain plots, and (c) there was no
marked difference between the two sets of specimens using
the two vanable radius cross-section transition curves  Since
the data was inconclusive, the transition curve corresponding
to Eq.2 was selected for the rest of the studies

To determine whether the uniformity of the strain state
observed 1n (£40,/90)g laminates is valid for angles other
than 409, finite clement analyses were conducted. In these
analyses model B, with the angles varying between 10 to
359, was used. Axial strains in elements near the edges of
the specimens were determuned and plotted (Fig.7). The plot
indicates a decrease in the umformuty of the strain state for
decreasing angle &, while the location of maximum strain
tends to move closer to the test section with decreasing angle

o.

3. DELAMINATION INITIATION STUDY

It was shown in Ref 13 and 17 that the delamnation moment
coefficient (DMC) was a vahd Juantitative measure of the
delamination tendency of lamunates. Within the scope of the
mvestigaton in the references, only delamination tendencies
of different laminates were compared. However, to
determine when a particular laminate would delaminate, a
cntical value of DM, defined as the DM below which the
laminate would not delaminate, must to be determined  This
cntical DM (DMcr) 1s expected to depend upon properties of
the material system used 1n fabncaung the lanunates, but not
on the stacking sequence.

In the feasibility studies, (£407/90)s lamunates were found to
delamunate. Using the assumed elastic properties, the
comesponding DMC of these lanunates 1s 183 49 x 10-5 cm3
(11.197x10 mch3) For the same elastic properuies, DMCs
for (£0£2/90)s laminates were determined for & = 109 to 350
A plot of these DMCs s shown in Figure 8. It can be
observed from the plot that DMC decreases to 19.632x10-3
cm3 (l.l98x10'5 inch3) with decreasing angle a. This

observation suggests the possibihity of determining the critical

DM by testing (£a2/90)s specimens. To verify the
observation, the following program was performed.

3.1 Fabrication of Panels

Using the manufacturer’s recommended cure cycle, eleven
AS4/3501-6 graphite/epoxy pancls were fabnicated in the
Composites Facility of the Wnght Laboratory The stacking
sequences and sizes of the panels are given in Table 1. All
pancls were c-scanned and found to be free of defects before
being trimmed and cut into specimens

3.2 Basic Mechanical Properties

To determine 0° and 900 tension and compression response
under simple loading, the required specimens were cut from
panel A. The geometry of the 09 and 90° tension specimens
and 0° and 90° Sendeckyj-Rolfes compression specimens
(Ref. 20 and 21) are shown in Figure 9(a) and 9(b),
respectively. For determination of shear properues,
spectmens with geometry shown i Figure 9(a) were cut from
pancl B Each of the specimens had two CEA-03-062UR-
350 strain gage rosettes bonded, back to back, in thetr central
mudsection. To determine compressive properties, the Rolfes
fixture (Ref.20) was used The tensile and compression
specimens were tested at a crosshead speed of 1.27 mm (0.05
inch) per minute. The data from these tests are summanzed
n Table 2.

3.3 Thermal Properties

The influence of stresses in lamunates induced by means other
than mechamcal loading have been extensively invesugated
(Ref. 22 thru 54) However, in this study only the effect of
cunng stresses on inttiation of edge delamination 1s
considered  For thts purpose, two thermal properties,
namely, (a) hinear coefficients of thermal expansion along the
fiber direction (0r)) and the transverse direction (9g) and (b)

the temperature corresponding to the stress free state are
required.

3.3.1 Coefficients of Linear Thermal Expansion
(@0 and a99)

To determine coefficients of hnear thermal expansion, ten
specrmens (TM1) of size 6 35mm (0 25 inch) x 6 35Smm

(0 25 1nch) and ten specimens (TM2) with the dimensions
given in Figure 9(c) were cut from panel A (Table 1). Three
techniques were used to obtain the required coefficients.

Specimens TM1 were tested at the Materials Directorate of
Wnight Laboratory using a TMA 800 operated in accordance
with ASTM Standard D696-79. The specimens were heated
at a rate of 2.0 0C (3.69F) per minute from room temperature
to 100°C (2129F) and the coefficients of inear thermal
cxpansion were determined  The average values of five tests

each for o) and a9 are included and designated ASTM 1n
Table 2.

Five TM2 specimens were tested at the Flight Dynanucs
Directorate of Wnght Laboratory using the procedures of
References 55 and 56 One strain gage rosette CEA-03-
250UR-350 and two thermocouples ETG-50B/W were
bonded to each of the spccimens as shown in Figure 9(c).
Each of the five specimens was placed on a rack fabricated at
the Composttes Facility of Wnght Laboratory  This rack had
small diameter rods supported at their ends by nstrument ball
bearings as shown in Figure 10 This arrangement not only
provided nearly frictionless support to the specimen but also
exposed the underside of the specimen for transfer of heat.
The specimens were placed 1n a small oven and heated. The
output data from the strain gage rosettes and the
thermocouples were recorded. When a maximum
temperature of about 1000C (2120F) was reached, the




specimens were gradually cooled and data obtained. A
composite plot of strain data, parallel and transverse to the
fiber direction, versus temperature for the five specimens is
shown in Figure 11. The apparent coeffictents o) and a9
of hinear thermal expansion obtained from Figure 11 are -
7.3773 Unymy°C (-4.0985 pun/in/OF) and 27.481 pm/m©C
(15.267 Hin/in/OF), respectively. Using the self temperature
compensation (STC) number of 5.4 Umy/m/OC (3.0
Hin/in/OF) of the strain gage rosettcs, the cocfficients of lincar
thermal expansion O and 0lgQ ars gaven by

g =a’0 +STC Number @
@90 = %90 + STC Number 5)

The average values of o) and a9 are included 1n Table 2
and designated as “futtle.

Five TM2 specimens were tested by the North Carolina
Agncultural & Technical State University using the procedure
descnibed in Reference 57 The values of o) and og( are
included 1n Table 2 and designated NCA&TU.

There is good agreement between the values of ag and agg
obtained by NCA&TU and the Flight Dynamics Directorate
of Wnght Laboratory. However, both differ considerably
from the values of ag and ag( generated by the Matenals
Dircctorate of Wright Laboratory The difference 15 due to

the techniques used to determine ag and 9p In tests
conducted at the Materials Directorate, the coefficients of

linear thermal expansion, ¢ and gQ, correspond to the
wital slope of the strain vs temperature curves whereas in the

other two methods the values of &) and a9( represent the
average over the temperature range used in the tests.

3.3.2 Stress Free Temperature

To determine the iemperature that corresponds 1o the stress-
free state of the Jamunates, ¢ach of two unsymmetnc panels
C2 (0/90) and C4 (02/90,) were cutinto 2 54 cm (1 0 inch)
wide and 27.94 cin (11 01nch) long specimens. Radii of
curvature, R, of each of two sets of five specimens were
measured. The average radii values of the (0/90) and
(02/902) curved specimens were 16 335 cm (6 341 inch) and
43.49 cm (17.122 inch), respectively. Using Timosher:0's
analysis of bimetal thermostats (Ref 58), the temperature
difference, AT, to produce the measured radius of curvature
1s given by
AT = (h/R) (B/A) (6)
where
h = thickness of the specimen
R = rads of curvature
A =240 (09 - 090)
B = 140 + Ety/Ely + E/EY
EYY = tensile Young's modulus 1n fiber direction
E'2 = tensile Young's modulus transverse to fiber
direction
Using the clastic constants from Table 2, we get
AT =54.49C (98 09F) for (0/90) specimen
and

AT = 40.39C (72 69F) for (0290,) specimen

The two values of AT differ substannally and ar¢ much lower
than expected. This discrepancy can be attnbuted to the
assumptions made in the derivation of Eq 6, namely, small
displacements and temperature independent elastic properties
As pointed out by Naim and Zoller (Ref. 45), vae must use
temperature dependent moduli 1o obtasn results that are more
accurate  Since the required data are not available for
AS4/3501-6 graphite-epoxy, we measured the stress-free
temperature experimentally.
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To determne AT experimentally, one J-type thermocouple
was bonded to cach of the specimens of the two sets. Each
specimen was placed in a fixture fabricated at the Composites
Facility of Wright Laboratory The fixture and specimen
(without a thermocouple) are shown 1n Figure 12. The
specimen was gripped between the movable and fixed center
pins and supported on two semi-circular rods atached to 2
metal block. The whole assembly was placed 1n an oven. An
addiional thermocouple was placed in the oven to measure
the temperature of the air surrounding the assembly The
assembly was heated and temperatures of the air and
specimen were recorded at 15-minute intervals until the two
outer segments of the specimen came to rest against the outer
fixed pins indicating that the specimen had completely

straightened. The measured values of AT relative to the room
temperature of 26.7°C (80°F) were 127.80C (230°F) and
97.80C (176°F) for (0/90) and (05/90,) specimens,

respectuvely The measured values of AT are much closer to
expected values. Nevertheless, there stilis a large

discrepancy between the AT values for the two unsymmetnc
laminates.

The discrepancy observed between values of AT for (0/90)
and (0,/90,) specimens may be due to cross curvature To
cvaluate the cross curvature effect, (0/90) anc (0,/903)
specimens were modeled using QUADA finite elements . The
fimite clement models were 12.7 cm (5.0 inch) long and 2 54
cm (1.01nch) wide. They were assume clamped at onc of the
shorter stdes and free at the other sides. No mechanical load
was applied. They were subjected to a temperature change of
127.89C (2309F). The =lastic constants and coefficients of
thermal expanston were assumed to be temperature
independent. Displacements, stresses and strains for the two
specimens were obtuned using Cosmic NASTRAN,
Computed out-of-plane displacement contours are shown in
Figure 13, As can be seen from the figure, the cross
curvature 1s more pronounced in the (0/90) specimens than in
the (02/90;) specimens  This implies that AT for the (0/90)
specimens should be lower than for the (02/902) ones,
contradicting the experimental data, Thus, the cross
curvature effect does not explain the expenmental results.
The most likely explanation for the observed dependence of
stress-free temperature on ply thickness 1s subtle differences
1n the resin cross-linking rate in the two lamnates dunng
curing Other possible explananions are differences in fiber
volume content and temperature dependence of the
thermomechanical properties of the two unsymmetric
laminates.

The maximum temperature expenenced by (0/90) specimens
was larger than the temperature used to determine coefficients
of linear thermal expansion & and ag. The specimens,
used previously to determine o and agQ,were subjected to a
heating and cooling cycle of approximately 26 7°C (80°F) to
160°C (320°F) Dunng the thermal cycie, temperature and
strain values were measured  The temperature and strain data
are shown in Figure 14. Unlike the data in Fagure 11,
heating and cooling data shown 1n Figure 14 diverge.

Further investigations mnto the causes of the discrepancy were
discontinued for the time being. To detenmine the effects of
residual stresses caused by temperature change on stress

states of delamination specimens, AT was assumed to be
97.80C (176°F)

3.4 Experimental Delamination Initiation Data

Ten specimens, with the dimenstons shown in Figure 2 and
using the transition curve represented by Eq 2, were cut
from each of the seven panels D10 thru D40 (Table 1) All
specimens were instrumented using two SK-03-045PG-350
strip gages and one CEA-03-062UR-350 strain gage rosette.
The stnip gages were used to detect the onsct of delamination
in the specimens  The strain gage rosctic was used to
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determine axial and transverse strains at the onset of
delarmnation The locations of the gages are shown i Figure
6(b). Two views of the edge delamination specimens with
lead wires cut off are shown in Figure 15. In addiion to the
strain gages, two cameras were used to simultancously video
1ape the reduced wadth section edges of the specimens and a
voltmeter. The voltmeter was used o obtamn the load level at
which some sigmificant event took place Edges of the
specimens were coated wath white chalk to aid 1n detection of
edge delamunation. When a specaimen delaminated suddenly,
puffs of chatk were observed In some cases, the test was
termunated when this occurred. In other cases, loading was
continued unnl the delanunation became clearly visible.

The specimens were tested 1n an Instron Test Machine, Floor
Model TT-115 The specimens were loaded at a crosshead
speed of 1.27 cm (0 05 1nch)  The data consisted of the axial
stress and 23 strain channels  The strain gage data was
analyzed as follows to determune the onset of delamination.
The raw axial stress data were plotted against the raw
transverse strain data from the stnp gages The resulung
plots were searched for sudden jumps 1n transverse strain,
which correspond 1o delamination imittauon  The locauon of
the delamination imtianon was determined on the basis of
which transverse gage showed the carhiest strain jump.
Figures 16 and 17 show typical stress-strain plots with
sudden changes in strain gage readings indicating the onset of
delamination. The corresponding axial and transverse strains
were comected to ensure zero strains at zero axial stress. The
corrected transverse strains, axial strains, and axial stresses at
delamination imuation are summanzed in the columns with

headings €90, €0, and omQ 1n Table 3 The video tapes of
the tests were reviewed for the first indications of chalk
puffs, which were known to correspond to delamination
The voltmeter readings, corresponding to the first chalk
puffs, were converted to axial stresses  These stresses are

summarized in the Gy column in Table 3 As can be scen
from Table 3, the Ov() values are typically higher than the

omQ values This discrepancy is due to the fact that it takes
an energetic delamination event 1o produce a chatk puff.
Moreover, the camera coverage 1n some of the tests wes such
that chalk puffs from the cross-section transition regions
could be missed It should be noted that 1n most cases
delamunation initiation occurred in the width transiuon region,
where small stress concentrations were present. As a result,
the true delamunation instiation stresses are shightly higher
than those given 1n Table 3 This was disregarded in the
subsequent analyses. Table 3 does not include the data for
the (£102/90)s specimens because the lamunates failed in non-
delaminanon modes The average failure stress for the
(£102/90)s specimens was 84.29 ksi

3.5 Analysis of Delamination Data

Tod ine free edge tn delanmination specimens,
imtially we considered tvwvo approaches both utihizing the fimte
clement (FE ) method In the first approach, Pagano's
stress based theory (Ref 59) that had been reformulated
(Ref. 60 and 61) was implemented 1nto a finite clement
program. This theory provides an accuratc measure of the
three dimensional stress field near the frec edges of the
specimen. However, the anatysis is computationally
expensive. In the second approach, the analysis was
performed using an axisymmetnc F.E. computer program
which allows for both 1sotropic and anisotropic matenals.
Wright Laboratory's version of the program, enhanced by
Dandan (Ref. 62), uscs an axisymmetnc sobid formulation
capable of predicung the three dimensional stress ficld in
delamination specimens The specimen is modelled asa
segment of a large radius axisymmetne nng under low
uniform radia! pressure resulting in a uniform circumferential
strain.

Both the stress based and axisymmetnc formulations use
linear elasuc material behavior, giving nse to stress
stngularities at the free edges of the coupon. Therefore, the

magnitude of the predicted free edge 1nterlaminar normal
stresses 1n both formulations depends on the refinement of
the finite element mesh at the free edge. However, the
average stress over a small 8y (of the order a lamina
thickness) near the free edge should remain constant and
independent of mesh refinement. To compare the two
formulations, the two finite clement models for the
axisymmetric and stress based formulations were used to
compare free edge stresses  The specimens were 2 54 cm
(1 0 inch) wide by 0.13335 cm (0 0525 inch) thick Models
of one half of the spectmen width are shown in Figure 18(a)
and 18(c). Details of the models’ refined meshes near the
free edge are shown in Figures 18(b) and 18(d) with clements
nearest the free edge betng one half of a ply thick.

Analyses were performed using the matenal properues from
Table 2, and the results are presented in Table 4, where the

average Oz between the 909 plies over dy near the frec edge
divided by the average apphied axial stress O at the center of
the specimen 1s defined as the free edge stress scalc factor

Osz. The table shows that over a distance equal to one half of
a ply thickness from the free edge and over a distance equal to
a ply thickness from the free edge the two formulatons yield
very close free edge stress scale factors  Consequently,
Dandan's formulation (Ref 62) was used for subsequent

F E analyses because 1t incorporates temperature effects and
15 computanonally less expensive

To determune the residual free edge stresses, a thermal
analysis using the model shown tn Figures 18(a) and 18(b)

and the matenal properties of Table 2 with «g equal to 1.977
Um/m/OC (-1 098 pin/inOF) and agg equal to 32 881
Um/m/OC (18 267 pin/in/OF) was performed The calcutated
average 014y stress between the 900 phes for 8y equal to half
the ply thickness per degree temperature drop are shown 1in
Table 5. Also, the calculated average ol for AT equal to -

98.70C (-1769F) for the lanunates 1n the expenmental
program are presented 1n the table. 1t can be seen from the

table that the average residual thermal stress 072 between the
900 phies near the free edge decreases with increasing  igle a
for (202/90)s lamunates

The total interlaminar normal free edge average stress Oz
due to combined mechamical and residual thermal loading 1s
given by

Onz=01dz AT +0s52 6o Q)
where 0Tgz is average nommal thenmal stress per degree
change of temperature, and Gsz is average nommal stress per
umt applicd axial stress (Gp) A measure of the average

mechanical stress Gz between the 909 plies near the free edge
at the onsct of delamunauon can be obtasned by muluplying

Gyz from Table 4 by the expenimentally obtained axal stress
Op corresponding to the onset of delamination  The stress-
based delanmunation moment cocfficients DMCg and DMT due
to temperature change AT of -97 80C (-176°F) were
calculated using 2 Wnght Laboratory modificd point stress
analysis program The values of Osz , Usz' Go. DMCg.
DMT, 6T, DM and 6nz are given 1n Table 6 It can be seen
from Table 6 that for (£0(2/90)5 lamunates DMT decrease
whereas DMg increases with increasing angle a

3.6 Discussion of Delamination Initiation Results

The results of the delamination inwtiation study are presented
wn graphical form n Figure 19 In the figure, the
delamination moment contnbution due to cunng residual
stresses and average axial stresses are shown as solid and




open squares. The average and individual total delamination
moments are shown as open circles and solid triangles,
respectively. As can be seen from the figure, the average
delamination moment for all specimens that exhibited edge
delamination falls wathin the range of the individual
delamination moments at delaminanon mttauon  This implies
that the total delamination moment is a valid citenon for
predicting delaminaton initiation. Nevertheless, the average
and individual delamunation moments for each angle show a
trend that implies a slight dependence of the total

delamination moment on stacking sequence angle a.

As was pointed out 1n Section 3.4, delamunation imtiaton
occurred 1n the cross-section transition region in most of the

specimens, especially those with low o As a result, the

delamnation moments of specimens wath low ¢ are actually
higher than shown 1n Figure 19. If the data were corrected
for the stress concentration effect, the agreement between the
expenmental data and total total delamunaton moment based
delamination imtiatton cnitenon would have been better

Moreover, a AT of -97 8 OC (-176 OF) was used to estimate
the cunng residual stress contribution to the total DM If a

larger AT were used, the total DM for the specimens with

lower ¢ would be higher. This would also improve the
agreement between the experimental data and the total
delamination moment based delaminaton imutiation cnterion

Upon exanuning the results in Table 6, we sec that the scatter

in the opz data 1s larger than 1n the DM data. This implies
that the DM delamination imtiation cntenion docs a better job

of correlaung the expennmental data than the oz based
delarmnanon criterion. Another reason for the superionty of

the DM cnterion over the Opz critenon 1s that DM includes the
effect of shear stresses  Moreover, computation of DM is

much simpler than computation of opz.
4. PREVENTION OF EDGE DELAMINATION

Over the years many approaches (Ref 63 thru 76) have been
proposed to prevent edge delanmunauion  These include, (a)
bonding fiberglass cloth at edges, (b) stitching along edges,
(c) use of fibrous mat or cloth or tough adhesive at the crack
plane, (d) use of adhesive layers selecuvely placed in
lamunates, (¢) use of U-shaped caps, (f) termnaton of cnitical
plies near edges, (g) altering the ply layup near edges, and (h)
creation of narrow and shallow notches along edges of
specimens  All the above techmiques tend to change the
design charactenstics of the laminates. In this study, a new
method to prevent edge delanunanon of laminates without
modifying materials and manufactunng processes 1s
presented.

Analytical procedures used 1n designing composite faminates
yield information relative to total thicknesses of the laminates
and percentages of various groups of plies (L % of 00,M %
of 90° and N % of +450 plies). The plies of these groups
can be amanged 1n a variety of stacking sequences to satisfy
design constraints. The delamination moment cnterion
provides a valid technique to determune the stacking
sequences that are less likely to delamunate at the free edge.
Lamunates having DM > DM¢r will detaminate and those
having DM < DM¢r will not delaminate. To illustrate the
application of the cntenon, we examuned the family of quasi-
isotropic (£45/0/90) laminates of Reference 63 and 77. The
stacking sequence that yieclded compressive maximum Gz
values were excluded from the study.

The stacking sequences considered from Ref. 63 (Q1 thru
Q8) are shown it Table 7. All of these stacking sequences
were analyzed using Wnght Laboratory point stress analysis
program to determine the stress-based delarmination moment

cocfficients DMCg and DMT duc to temperature change AT

3-8

of -97.80C (-176°F) The DMCg and DMT at all of the four
nterfaces between plies for all the stacking sequences are
givenin Table 7 To determine the delanunation moments

DMg due to mechanical loads, the failure stress 6o was
assumed to be equal to 584.87 MPa (84.825 ks1) and the
calculated DMg and DMT were combined to obtam the

delamination moment DM The Gz values were taken from
Reference 63. It can be observed from the table that the
delamination tendency 1ncreases progressively from stacking
sequence Q1 to stacking sequence Q8. Moreover, the
ranking of the stacking sequences based on DM duffers from

that based on ¢z. This 15 due to the fact that the effect of
cunng residual stresses was neglected in Reference 63.
Stacking sequences Q1 thru Q4 are not likely to delamunate.
The final selection depends upon other destgn constraints,

Eight ply thick stacking sequences Q1 thru Q8 were analyzed
to determine their relatve delamunation tendencies, but for
these laminates no expenmental data were avarable to venfy
the conclusions However, Reference 77 has extensive
expertmental data and includes tests results for sixteen ply
thick quast-isotropic laminates with two stacking sequences
L1 and L2, Both of the lamtnates were analyzed and data
similar to that of Table 7 were computed. The results of the
analysis are given in Table 8 It can be observed from the
table that stacking sequence L1 has far higher tendency to
delamunate than stacking sequence L2,  the expenmental data
indicate that specymens L1 and L2 fatled at 64 93 kst

(447 69MPa) and 86 12 ks1 (662 74MPa), recpectively
Failed specimens L2 showed no indication of delamination,
whereas in specimens L1 delamination was extensive and
was marked by large jumps in transverse strains recorded by
strain gage roscites

5. CONCLUDING REMARKS

The results presented heretn show that there exists a cntical
value of total delamination moment , DMcr. below which
delaminations do not inthate  As a result, DMcr can be used
as a cnitenion for designing composite structures that will not
delaminate at the free edges  The cntenon was venfied using
(£0:2/90)s laminates, with O varying from 150 to 400, The

specimens with & = 109 exhibited matrix cracking in the 90°

phes prior to delamination and, hence, were not included 1n
the analyss.

To usc the DMy imitiation cntenon, the total delamunation
moment DM must be calculated for the laminate DM
consists of two terms, a curung restdual stress contribution
and a contnbution due to mechanical stresses  Calculation of
pMT requires knowledge of the stress-free temperature. Qur
atiempts to measure the stress-free temperature gave
inconsistent results  This 15 an area requinng additionat
rescarch  Calculations of DMg 1s straightforw ard and very
casy The fact that the effeci of cuning restdual stresses was
neglected in most of the pubhished papers on del 10n
imtianon helps to explan the inconsistencies in the literature
and delay in formulauon of a valid delamination cntenion

Finally the total delamination moment critenion for predicting
delaminaton inttiation is computationally simple. It can be
casily implemented 1n a laminate optinuzation code. Addition
rescarch 1s required to thoroughly evaluate the new and
simple critenon

6. REFERENCES

1. Pagano, N. J., and Pipes, R B., "Some QObservations on
the Interlamunar Strength of Composite Matenals,”

pp. 679-688 , Vol 15, 1973,

2. Rybicky, E. F., Schmueser, D. W. and Fox, J., "An
Energy Release Rate Approach for Stable Crack Growth




in the Free-Edge Delamunation Probiems,” Joun.al of
Composite Materials, Vol.11,1977, pp.470-487

3. Harris, A. and Ormringer, O., "Investigation of Anglc ply
Delamination Specimen for interlaminar Strength Test,”
Joumal of Composite Materials, Vol. 12, 1978, pp 285-299

4, Crossman, F. W, Warren, W. J,, Wang, A S. D. anc
Law,G.E,Ir, "lmu:mon and Growth of Transverse
Cracks and Edge Dclzumnauon in Composite Lamma(cs. Part
2, Experimental Correlation,

Supplement, Vol. 14, 1980, pp.88-108.

5. Choy, S. C., “Delamination of T300/5208
Gmphnc/Epoxy Laminates,” 1n Fracture of Composiie
Mategals, G. C. Sthand V. P{. Tamuzs, eds, Marunus
Nyhoff Publications, 1981, pp. 247-263.

6. O'Brien, T K, "Characterization of Delamination Onset
n a Composite Lamunate," Damage in Composite Matenals.
ASTM STP 775, 1982, pp 140-167.

7 Crossman, F. W. and Wang, A. S. D,, "The Dependence
of Transverse Cracking and Delamination on Ply Thickness
in Graphite/Epoxy Laniinates,” 1n Damagein

Matenals, ASTM STP 775, 1982, pp.118-139.

8. Kim, R. Y. and Soni, S. R., "Experimental and
Analytical Studies on the Onset of Delaminaton in Laminated

Composites,” Journal of Composite Matenals, Vol. 18,
1984, pp. 70-80

9. Conti, P. and DePaulis, A , "A Simple Model to Simulate
the Interlaminar Stresses Generated Near the Free Edge of a
Composite Laminate,” n

, 1985, pp. 35-51

10. Whatney, J. M. and Knight, M., "A Modified Free-Edge
Delamination Specimen,” in
i i , ASTM STP 876,

1985, pp.298-314.
11. Henncke, E. G., 11, "Destructive and Nondcsn'ucuvc
Tests,”

C. A Dostal, Ed. 1987,

12, Lagace, P. A. and Brewer, J. C., "Studies of
Delaminauon Growth and Final Failure under Tensile
Loading,” Proceedings of the Sixth Intemauonal Conference
on Composite Materials, Vol. 5, July 1987, pp 5 262-
5.273.

13. Sandhu, R. S. and Sendeckyj, G. P., "0:: Delamination
of (18m / 90n/2)s Laminates Subjected to Tensile Loading,”

Air Force Wnght Acronauncal Laboratones Technical Repor,
AFWAL-TR-79-3058, July 1987

14. Ono, K, "Acoustic Emission Behavior of Flawed
Umdirectional Carbon Fiber-Epoxy Composites,”
Renforced Plastics and Composutes, Vol. 7, 1988, pp 90-
105.

15. Sun, C. T. and Zhou, S. G., "Failure of Quasi-Isotropic
Composite Laminates with Free Edgcs. Journal of
Reinforced Plastics and Composites, Vol. 7, 1988, pp. 515-
557.

16 Shalve, D. and Rerfsmder, K. L, "Study of the Onset of
Delarnination at Holes in Composite Lammaxcs
, Vol. 24, 1990, pp 42-71.

17. Sandh R.S. and Sendecky), G. P., "Edge
Delamination of (£6m / 90n/2)s Laminates Subjeclcd 10
Tensile Loading,”

and Rescarch, Vol. 13, No. 2, Summer 1991, pp.78-90.

18. Pawhkowski, K., “Experimental Development of
Delaminanion Onset in Composite Tensile Coupons,” M S
Thesis, Department of Civil Engineenng, the Ohio State
University, Columbus, Ohio, Spring 1991.

19. Pawlikowsks, K., and Wolfe, W. E., "Exprimental
Determination of Delamination On-set in Composnc Tensile
Coupons,” Presented at ASTM 11th Symposium on
Composnc Matenals- Testing and Design, Pittsburgh, PA, 4-
5 May 1992,

20. Rolfes, R 1.., "Compression Test Fixture Evaluation of
Oricnted Fiber Composites with the Prototype Compression
Fixture (1983)," Arr Force Wright Aeronautical
LaboratonesTechnical Memorandum, AFWAL-TM-87-172-
FIBC, January 1987.

21. Damels, J. A and Sandhu, R. S,, “Evaluation of
Compression Specimens and Fixtures for Testing
Unidirectional Composite Laminates,” Presented at ASTM
11th Symposium on Composite Matenals: Testing and
Design, Pittsburgh, PA, 4-5 May 1992,

22 Chamis, C C, "Lamination Residual Stresses in Cross-
plied Fiber Composites,” Proceedings 26th Annual
Conference of SP1 'Reinforced Plastics/Composites Come of
Agé 9-12 February 1971, Shoreham Hotel, Washington

23. Chamis,C C,° 1on Residuat St n
Mululayered Fiber Composncs," NASA TN-D-6148 (AD-
D401 061), February 1971.

24 Hahn,H.T and Pagano, N J "Cunng Stresses in
Composnc Laminates,” Journal of 1te M 3
Vol.9, No. 1, pp. 91-106, January 1975.

25 Daniel, I. M and Liber, T. "Lanunation Residual
Stresses in F.ber Composucs, Interim Report, NASA-CR-
134826, March 1975

26. Damel,1 M. and Liber, T, "Lamination Residual
Stresses 1n Fiber Composites,” Final Report, NASA-CR-
135085, June 1976.

27. Hahn, H T., "Residual Stresses in Polymer Matrix
Composnc Laminates,” Proceedings 'Advances in
Engineenng Science ' 13th Annual Meeting, Society of
Engincenng Science, 1-3 November 1976, Hampton, VA,
also s Vol. 10, No. 4, pp. 266-
278, October 1976

28. Herakovich, C. T. and Wong, D M "Influence of
Residual Stresses on the Tensile Strength of Composite-Metal
Sandwich Laminates,” Expenmental Mechamgs, Yoi 17, No
11, November 1977, pp. 409-414

29 Hahn, H. T. and Kim, R Y. "Swelling of Composite
Laminates,” 1n
. ASTM STP 658, 1978, pp. 98-120

30. Crossman, F. W., Mauri, R. E. and Warren, W. J.
"Moisturc -Altered Viscoelastic Response of Graphite/Epoxy
Composites,” Advanced Composite Matenals-Environmental
Effects, ASTM STP 658, 1978, pp. 205-220.

31. Kim, R. Y., "Effect of Cunng Stresses on the First ply-
failure in Composnc Laminates,”
Materials, Vol. 13, January 1979, pp. 1-16

32. Hyer, M. W, "Some Observations or: the Cured Shapes
of Thin Unsymmcmc Laminates,”
Materials, Vol. 15, March 1981, pp.175-194.

33. Hyer, M. W, "Calculations of (hc Room Temperature
Shapes of Unsymmcmc Laminates,
Matenals, Vol. 15, July 1981, pp296-310




34. Hahn, H. T., "Warping of Unsymmetric Cross-Ply
Graphite/Epoxy Laminates,” il
Technology Review, 1981, pp.114-117.

35. Hahn, H. T. and Hwang, D. G., "Residual Stresses and
Therr Effects in Composite Laminates,” Proceedings of the
International Symposium, part 2, 29-31 December 1981,
Tainan, Republic of Chuna, pp 1199-1214.

36, Hyer, M. W., "The Room-Temperature Shapes of Four-
Layer Unsymmetnc Cross-Ply Laminates,”
Composite Matenals, Vol 16, July 1982, pp 319-340.

37. Hyer, M W, "Nonlinear Effects of Elastic Coupling tn
Unsymmetric Laminates,” in i i
Matenals Recent Advances, Ed. Hashin and Herakowich,
Pegamon Press, 1982, pp. 243-258.

38 Kriz, R. D, and Sunchcomb, W. W. "Effect of
Moisture, Residual Thermal Cuning Stresses, and Mechanical
Load on the Damage Development i Quasi-Isotropic
Lamunates," i M ASTM STP
775,1982, pp 63-80

39 Hyer, M W, Herakovich,C T, Milkovich § M. and
Shom, J. § , Jr, "Temperature Dependence of Mechanical
and Thermal expansion Properues of T300/5208
Graphite/Epoxy,” Compositgs, Vol 14, No 3, July 1983,
pp.276-280.

40. Dennis, Scott Thomas, "Unsymmetnc Laminated
Graphite/Epoxy Composite Plate and Beam Analysis for
Determining Coefficients of Thermal Expansion,” Master’s
Thesis, AFIT / C1/ NR-83-5T, February 1983.

4i. Stango, R. J. and Wang, S. S. "Process-Induced
Residual Thermal Stresses in Advanced Fiber-Reinforced
Composite Lamunates,” i 8
‘Sl‘zansacnons ASME Vol 106, No 1, February 1984 pp 48-

42 Zewi, I G.Damel, 1 M and Gotro, J. T., "Residual

37

Dynamics and Materials Conference, 1989, pp 1666-1670.

49. Hong C. S. and Kim, D. M., “Stacking Mcthod of
Thick Composite Lamunates Considering Interlaminar Normal
Stress,” 34th International SAMPE Symposium and
Exhibition, Vol. 34, May 1989, pp. 1010-1018.

50. Roy, Ajit K.,"Response of Thick Laminated Composite
Rings due to Thermal Stresses,” 34th Intemauonal SAMPE
Symposium and Exhibition, Vol. 34, May 1989, pp 549-
558.

51. Penn, L S., Chou,R.C. T., Wang, A. S D and
Binienda, W. K, * The Effect of Matnx Shrinkage on

Damage Accumulation 1n Composites,” Journal of
Composites Matenals, Vol 23, June 1989, pp. 570-586.

52. Sun, L. X., Hsu, T. R, "Thermal Stress Analysis of
Lanunated Composite Sohds of Axisymmetric Geometry,"
Vol 28, No 8, August 1990, pp. 1527-1529.

53. Whte, S. R and Hahn , H. T., "On Reduction of
Processing-Induced Residual Stresses in Compostie Matenals
by Cure Cycle Opuimizaton,” Pennsylvania State University
Report No. CMTC-9015 Prepared for Air Force Office of
S;bcguﬁc Rescarch under AFSOR Grant 87-0242 , August
1990.

54 BogewTravis A and Gillespie, John W., "Process
Induced Stress and Deformation in Thick Section Thermoset
Composite Laminates,” Ay Balhstic Research Laboratory
Technical Report BRL-TR-90-3182, AD-D443 456,
Aberdeen Proving Ground, MD, December 1990

55 Measurements GroupTechmcal Note TN-513,
"Measurements of Thermal Coefficient Using Strain Gages,”
1986.

56. Tuttle, M _E, "Errors in Strain Measurements Obtained
Using Strain Gages on Composites,” Proceedings of the
1985 Fall SEM Conference in Experimental Mechanics
(Transducer Technology for Physical Measurements), held at
Grenelefe, Flonda, on 17-20 November, 1985, pp 170-179.

Stresses and Warpage in Circurt Board Composite
Laminates,” Proceedings of the Society for Experimental
Mechanics Fall Conference, 17-20 November 1985,
Grenelefe, Ficnda,

43. Russell, A J and Street, K. N., "Mossture and
Temperature Effects on the Mixed-Mode Delamination
Fracture of Unidirectional Graphute/Epoxy,” Delanunation

and Debonding of Matenals, ASTM STP 876, 1985,pp. 349-
370.

44 Naimn, J. A and Zoller, P., "Matnx Solidification and
the Resulung Residual Thermat Stresses in Composites,”
Joumal of Materials Science, Vol 20, 1985 pp. 355-367.

45. Nairn, J. A. and Zoller, P.,"The Development of
Residual Thermal Stresses in Amorphous and Semicrystalline
Thermoplastic Matrix Composites,”

ASTM STP 937, 1987, pp.328-341,

46. Griffen, O. Hayden Jr., “Three Dimensional Thermal
Stresses in Angle-Ply Composite Lamunates,”
57;QOmm511g Matenals. Vol 22, No 1, January 1988, pp S3-

47. Atmamos, E A. and Mahler, M, A. "Residual Thermal
and ] losture Influences on the Free-Edge Delanunation of
Laminated Composites,” 29th AIAA / ASME / ASCE / AHS /
ASC Structures, Structural Dynamics and Materials
Conference, 1988, pp. 371-381.

4R, Whtney, J. M., Kmight, M, "Effect of Residual
Stresses on Edge Delamination in Composite Materials,” 29th
AJAA /| ASME/ASCE / AHS / ASC Sauctures, Structural

57 Goforth, Enc, "Automated Thermal Strain and Data
Acquisinon System,” M S Thesis, Depantment of
Mechantcal Engineenng, North Carolina Agncultural &
Technical State University, Greensboro, NC, 1992.

58. Timoshenko, S, “"Analysis of Bumetal Thermostats,”
Amenca, Vol 11,1925, pp
233-256.

59 Pagano, N. J., "Stress Field< 1n Compostte Luminates,”
Solids and Structures, Vol 14, 1978,
pp.385-400.

60. Chyou, H., A., "Vanational Formulation and
Implementation of Pagano's Theory of Laminated Plates,”
Ph D. Dissertation, Department of Cival Engineering, the
Ohio State University, Columbus, Ohio, 1989

61. Schoeppner, G. A. A Stress Based Theory Descnbing
the Dynamic Behavior of Laminated Plates,” Ph D.
Dissertanon, Department of Civil Engineering, the Ohio State
University,, Columbus, Ohio, 1991.

62. Dandan, Razan A, “Finite Element Analysis of
Laminated Composite Axisymmetnc Solids,” M S Thes:s,
Department of Civil Engineering, the Ohio State University,
Columbus, Ohio, 1988.

63. Herakovich, C T, "Ca the Relationship Between
Engineenng Properties and Delamunation of Composite
Materials,” i ials, Vol 15, 1981,
op 326-348.




64 Kim, R. Y., "Prevennon of Free -edge Delamination,"
28th National SAMPE Symposwim , Apnl 12-14, 1983,
pp.200-209

65. Mignery, L. A, Tan, T. M. and Sun, C. T., "The Use
of Stitching to Supprcss Delamunanon in Lamsnated
Composites,” Delamination and Debonding, ASTM STP
876, 1985, pp.371-385

66. Chan S. W,, "Delamination Arrester-an Adhesive Inner
Layer in Laminated Composites,” Composite Matenals,
Fatgue and Fracture, ASTM STP 907, 1986, pp.176-196

67. Browning, C. E. and Schwartz, H S, Dclammauon
Resistant Composite Concepts,”
nce), ASTM STP 893,

1986, pp.256-265.

68. Chan, W. S,, Rogers, C and Aker, S, “Improvement
of Edge Delanunation Sm:sngth of Composxtc Lanunates

Using Adhesive Layers,"
ASTM STP 893, 1986,
pp.266-285.

69. Howard, W. E., Gossaid, T and Jone , R. M,,

"Reinforcement of Corapostte Lanunate Fre » Edges with U-
Shaped Caps,” 27th AIAA/JASME/ASCE/AHS/ASC
Strictures, Structural Dynamics and Matenals Conference,
1686, pp. 472-485.

70. Chan, W. S. and Ochoa, O. O., "Su7pression of Edge
Delamunation in Composite Lanunates by Terminaung a
Cnucal Ply near the Fdges,” 29th AIAA / ASME / ASCE /
AHS /7 ASC Structures, Structural Dynanucs and Matenals
Conference, 1988, pp.359-364

71. Johnson, W. S. and Mangalgin, P. D., “Influence of the
Resin on Interlaminar Mixed-Mode Fracturc,“
Composites, ASTM STP 937, 1987, pp.295-315.

72. Vizzim, A.J, "Prevention of Free-Edge Delaminauon
via Edge Altcmnon, 29th AIAA /ASME /ASCE / AHS /
ASC Structures, Structural Dynamics and Matenals
Conference, 1988, pp 365-370.

73 Pogue, W.R and Vizzim, A. J., "Structural Tailonng
Techniques to Prevent Delanunation in Composite
Lamunates,” Journal of the Amencan Helicopter Society,
Vol.35, No 4, October 1990, pp 38-45.

74 Sun, C.T. and Dhu, G. D., "Reducing Free Edge Effect
on Laminate Strength by Edge Modxﬁcauon Journal of
Composite Materials, Vol. 25, February 1991, pn.142-161.

75. Chan 8. W, "Desigr '\pproachcs for Edge Delaminanon
Resistance 1n Lammaxcd Composites,”

, Vol 14, No. 2, Summer 1991,
pp 91-96.

76 Jonzs, R. M, “Delamination-Sppression Concepts for
Compsite Laminates Free Edges," Proceedings of the Eighth
Intemna1nnal Conference on Composite Matenals
(ICCM/VII), Honolulu, July 15-19, 1991, published by
Society for the Advancement of Matenals and Process
Engineening (SAMPE), pp 28-M-110 10.

77. Sandhu R S, " Analytical-Expenimental Correlation of
the Behavior of 00,1450, 900 Famuly of AS/3501-5 Graphite
Epoxy Composite Laminates under Uniaxial Tensile
Loading,” The Arr Force Fhight Dynamics Laboratory
Technical Report, AFFDL-TR-79-3064, May 1979, Wright-
Patterson Air Force Base, Ohio

Table 1. Panels fabricated using graphite/epoxy (AS4/3501-6) material system

Panel Stacking plies Size Size

sequence before trimmng after tnmming
A %15 16 120 (30.48) x 500 (76 20)°  11.0 (27.94) x 29.0 (73‘66)‘
B (£459)25 8 11.0 (27.94) x 8.0 (20 32) 10.0 (25.40) x 7.0 (17.78)
c2 (00/90°) 2 12.0 (30.48) x 12.0 (30.48) 11.0 (27.94) x 11.0 (27.94)
Cc4 ((°2/9002) 4 12.0 (30.48) x 12.0 (30.48) 11.0 (27 94) x 11.0 (27.94)
D10 (£1092/90°)s 10 12.0 (30.48) x 21.0 (55.88) 11.0 (27 94) x 21.0(53.34)
D15 (£1592/907, 10 12.0 (30 48) x 21.0 (55 88) 11.0 (27.94) x 21.0 (53.34)
D20 (£2002/900) 10 12.0 (30.48) x 21.0 (55.88) 11.0 (27.94) x 21.0 (53.34)
D25 (F2502900)5 10 12 0(30.48) x 21.0 (55.88) 110 (27.94) x 21.0 (53.34)
D30 (23002/900) 10 12 0 (30.48) x 21.0 (55.88) 110 (27.94) x 21 0 (53.34)
D35 (£35C/900)s 10 120 (30.48) x 21.0 (55.88) 11.0 (27.94) x 21.0 (53.34)
D40 (£40°2/900)¢ 10 120 (30.48) x 21.0 (55.88) 11.0 (27.94) x 21.0(53.34)
NOTE: " inch (cm)




Table 2. Basic Material Properties of AS4/3501-6 Graphite Epoxy at Room Temperature

Elastic Modulus along the fibers in tension Ept
Elastic Modulus along the fibers in compression E\¢
Elastic Modulus transverse to the fibers in tension Ep!
Elastic Modulus transverse to the fibers 1n compression E)®
Major Poisson's ratio in tension 1yt
Major Poisson's ratio in compression Ry
Elastc Modulus in shear G12
Cocfficient of linear expansion in fiber direction (Tuttle)

Cocfficient of linear expansion in fiber direction (ASTM) ap
Coefficient of hincar expansion in fiber direction (NCA&TU)

Coefficient of linear expansion in direction transverse to fibers (Tutde) a9

Coefficient of linear expansion 1n direcuio, transverse to fibers (ASTM) 90
Coefficient of linear expansion 1n direction transverse to fibers (NCA&TU) a9

134.59 GPa (19.52 Ms1)
135.87 GPa (19.70 Msi)
10 02 GPa (1.453 Msi)
10 89 GPa (1.579 Msi)
0317
0.276
6.38 GPa (0.925 Ms1)
-1.977 ptm/ny/ ©C (-1.098 jinfin OF)
-0.508 ptm/m/ OC (-0.282 pun/in/ OF)
-2.028 ptm/ny ©C (-1.127 Junfin/ OF)
32.881 Jimy/m/ OC (18.267 jun/in/ °F)
26886 j1 m/m/ OC (14.937 pn/in/ OF)
34 194 Jim/m/ OC (18.997 pun/in/ °F)

Table 4. Comparison of Stress Based and Axisymmetric Formulations

Gsz for 8y = 0 5t from free edge Osz for 8y = 1 Ot from free edge

Lammnate Stress Based Axisymmetnc Stress Based Axisymmetric
(£102/90)s 0.08615 008713 006780 007345
(£152/90)s 0.14152 014293 0.11114 0.12102
(£202/90)s 0.21739 021602 0.17098 0.18349
(£252/90)s 031072 0.29995 0.24464 025530
(£302/90)s 0.41669 039209 0.32848 033396
(£352/90)s 053245 051822 041957 0.43799
{£402/90)s 064721 057005 0 50967 048586

Table 5. Average thermal free edge stress 6Ty for 8y = 0.5,

AT = -97.80C (-1769F)

Laminate oTy, 0T, =0Ty, *AT
(£102/90)s -04891 (39.41)" 47.8 (69373)"°
(£15290)5 204529 (36 49) 443 (6422 0)
(#20290)5 04011 (3232) 39.2 (5663 8)
#25290)s 203342 (2693) 327 (4740 8)
(#30290)5 -02586 (20 84) 25.3 (3668.0)
(#352/90)¢ -0.1782 (14.36) 17.4 (2528 0)
(£402/90)5 00972 (07.83) 09.5 (1379 2)
* MP2/C (psi OF)
** MPa (pst)

39
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Table 3. Experimentally obtained stresses and strains of delaminating specintens

Specimen D40
Specimen Strain Gages Axial Stress
No goitwin €linin Opp.-ksi Oyg. ks
1 -2640 4360 2044 a
2 -2750 4120 1916 a
3 22830 3810 1805 18 65b
4 -2950 3760 1823 18 8gb
5 -3570 3850 1823 19 10b
6 -2960 4000 1841 21300
7 -2620 4140 2025 24290
8 -2870 3790 1825 2295
9 -3250 5380 2477 25,58
10 -3400 4820 2215 22 12b
Average 2980 4200 1”79
Spectmen D30
Specimen Strain Gages Axial Stress
No gyoHmin €lmhn Opyp kst Oyg.ksi
1 22130 2350 2035 20330
2 2090 2420 21.10 35 62b-
3 2140 2595 2259 2942b
4 2350 3070 2659 37.23b
5 -1980 3000 2232 28.71b
6 -2060 2690 27 26 98b
7 -2000 2810 2462 327gb
8 -2370 3400 3021 34,23b
9 2290 2460 2124 24020
10 2300 2510 2309 24.93b
Average 2180 2730 2349
Specimen D20
Specimen Swrain Gages Axial Stress
No  EgoMnfin €glinfin Opp. kst Oyg kst
1 -1300 3140 4095 4116b
2 c c c 3g47b
3 1360 2250 3030 46 18b
4 1420 2610 3434 49 04b
5 1340 2370 3362 d
6 -1200 2530 2994 d
7 . 3780 4782 d
8 3630 4129 48 8ob
9 B 3400 4624 69.40b
10 -tsw 3020 a7 59 09b
Average  -1510 297G 3910

Specimen D35
Strawn Gages Axial Stress
EoHinin &g inin O kst Gyp. kst
-2660 3460 2156 27 73b
-2470 3450 232 4126b
2520 3500 22.86 27.86b
2210 3250 2123 24 510
-3000 3220 2149 25 565
-2840 3570 2276 3<77b
2890 3330 19.90 27 69
2710 3740 2345 28 08P
.2430 3660 24.10 2731b
42650 3700 2022 2321b
2640 3490 21.99
Specimen D25
Strain Gages Axial Stress
o min ggpinin  Omo. kst Gy ks
-1780 2530 26.51 53 58b
<1740 2770 2969 4096b
+1700 3030 3135 52610
-1760 3000 3254 32830
-1570 2350 2584 3062
-1640 3100 3451 4058t
-1930 260 24.44 3238b
<1920 3140 3230 34.95b
-1450 2660 27.84 4316b
-1750 2800 29.77 30 10b
-1720 2760 2948
Specmen D15
Strain Gages Axal Stress
ol min gglinin  Cpp kst Ceg ksi€
-1050 3390 5308 84 64b
-1520 5200 77 22 8192b
-1430 4130 6135 90 99b
-1080 3930 60 54 06320
-1230 3460 5319 80 26b
-1400 2040 5272 79 720
-1240 4050 5926 85 520
-1610 4180 60 61 77 39b
-1250 4350 6342 d
22150 4490 7052 d
-1400 3920 6119

a Load not recorded on video tape
b Corresponds to damage cvent and not d

&

¢ Datanussing, technicaan ervor
d Video taping crror
¢ 1.0 kst = 6895 MPa




Table 6. Mechanical, thermal and total normal delamination stresses and moments in laminates

Lammale

(£10290)s°
(£152/90)s
(120290}
(#252/90)s
(£302/90)s
(£352/90)s
(2402/90)s
Average

Mechanical Thermal Total
Oz DMCgl0™S oy o, DMgio-3  DMTI0-S T, DMi0~5 Oy
inch3 ksi kst kip-inch kipinch kst kiplanch kst
008713 1153 8429 7.34 92.19 8871 694 18590 1423**
014293 1960 6119 875 11993 8402 642 20395 1517
021602 3.108 39,10 845 121.52 7622 569 19774 1414
029995 4601 2948 8.83 13564 64.67 474 20031 13.57
039209 6414 2349 921 150 67 53.54 361 20421 1288
051822 8464 2199 1140 186 12 3759 253 22371 1393
0.57005 10558 1979 1128 20894 1921 1387 22815 1266
20968 1373

Table 7. Application of DM to (+45/0/90) family of laminates-1

Laminate Interface DMCgl05 DMg210-5 DMT 105
kip-inch

(45/90/0/-45)5
Qi

(45/90/-45/0)s
Q

(0/45/90/45)s
Q@

(45/0/90/-45)s
[

(45/-45/90/0)s
[62]

(0/45/-45R0)s
Q6

(45/0/-4580)s
&)

(45/-45/0/30)s
Q8

3. DMg = 84.825xDMCg

$2 0 B e R NP S BN - WD BN - BN -

Bn U2 D

nch3

04315
04268
-0 4409
-0.8724

04315
04268
-0.0140
-00187

00047
0.4455
0.4502
00187

04315
12992
1.3039
08724

04315
1.7260
25844
2.5797

00047
04455
1.7494
26171

04315

kip-inch

36 60
36.20
-3740
74 00

36 60
3620
-1.19
-1.59

040
1.9
38.19

-
-

3660
110.20
110 60
74 00

36 60
146 41
21922
21882

040
31.79
148 39
22200

36.60
11020
22081
294.41

3660
146 41
29%.21
366 82

0.
-4.57
-9.14
9.14

0.
-4.57
-13.71
-18.28

4.57

457
9.14

b. DM = DMg + DMT
1kip=454kg. 1nch=254cm, 1ksi=6895MPa

pMbIpS
kip-inch

36 60
31.63
46 54
-83.14

3660

3660
146 31
297 88
37595

* This lamunate did pot delaminate, G correspond to the stress level when odd behavior of outside gages was observed.
** This result not included in the average.

1kip =454 kg: 1inch=2.54 cm: lksi = 6895 MPa

62

76

100

104

109

¢. Reference 63 values, interface
not indicated n the reference
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Table 8. Application of DM to (£45/0/90) family of laminates.H

Laminate Interface DMCgl0S  DMg105 DMT 105  pMbigs

nch3 kip-inch kip inch kip-inch

(45/02/£45/902)s 1 04315 36 60 0 3660
2 1.7260 146 41 0 146.41

Ll 3 34567 29321 457 297.78

3 5.1968 44082 18.27 45909

5 7.3730 62541 26.55 661.96

6 104123 88322 5483 938 05

7 130154 110403 68 54 17257

8 13 8831 117763 731 125074

($45002/£45/02)s 1 04315 3660 0 36 60
2 1.7260 146 41 0 146 41

L2 3 25843 21921 -3,57 214 64

3 1.7073 14482 -1827 126 55

5 0.3941 3343 -36 55 312

6 00561 -4.76 -5483 -5959

7 -00701 595 -68 54 7449

8 00748 633 31 21945

a DMg =84825xDMCq b DM=DMg + DMT
1kip=454kg, 1inch=2 54 cm, 1ksi = 6895 MPa

100
90
30 _T
c
70 {
G
. !
$ o —
= le— 03— L—l/-‘
S s
<
e
2 40 ———r
- icl:oo(RcL 1-Eq 7| 2
30
f .5, 3!
20 DMC x10 (inch)
10
[
0

6 10 14 13 2 26 :
Number of plies :

Figure 1. DMC and mterlaminar nonmal stress vs number of phes
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NUMERICAL ANALYSIS OF THE THERMOELASTIC EFFECTS IN LAMINATED STRUCTURES AND ITS
USE IN THE IDENTIFICATION OF DEFECTS.
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P. De Wilde, A. Cardon
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University of Patr.~ Applied Mecnanics Laboratory
PO Box 1i34 Patras 26110-GREECE

1. SUMMARY

The thermoelastic effect first analysed by Lord Kelvin is
governed by a simple relation between amplitude of
temperature and amplitude of sum of principle stress
change as long as adiabatic conditions zre maintained.
Although valid for isotropic materials it is shown that this
simple relation leads to very poor results for anisotropic
materials. A non-adiabatic th¢ yry taken into account the
inter-laminar heat transfer shows a betlter agreement
between theory and experiment.

Experimental data were obtained on & Fibredux 914C-TS-
5_34% carbon epoxy laminate using single point
measurements.

2. INTRODUCTION

Although the theoretical treatment of the thermoelasic
effect was first published in 1853 by Lord Kelvin, it took
over a century before its potential as a device for stress
analysis was realised. This was mainly due to the low
sensitivity of the avmlable instrumentation. Recent
developments in electro-optical and signal processing
techniques were necessary before a practical device,
refmed to as SPATE (Stress Pattern Analysis by Thermal
ission), b available. Though relatively young,
the use of SPATE s a remote infrared sensing technique to
produce full-field stress maps, became increasingly
widespread, particularly for meuallic structures. A selected
number of papers (1,2] confirmed the validity of the
theoretical basis of the technique and demonstrated its
scope and potential.
However, on composite structures the thermoelastic
analysis has thus far been limited primarily to simple
studies or to qualitative NDT-type applications ( e.g. [3.4]
). The reason is due largely to & general lack of a thorough
understanding of the thermoelastic behaviour of
composite materials.

3. ADIABATIC THEORY

Based on the thermodynamics of irreversible processes the
thermoelastic equation, relating deformation and
temperature, for a perfectly elastic isotropic body under
adiabatic conditions may be calculated as:

AT o

— = e | AG 4 y + AC 1)
11 22

To ch[ ]

where AT is the local cyclic temperature change, Tq is the
local absolute temperature, a is the coefficient of thermal
expansion, p isthe density, cg ic the specific heat at

constant strain and Aoj; is the sum of the cyclic principal
stress amplitudes.

This expression was validated several times by different
authors, especially P. Stanley [1,2) used SPATE to study
the stress distribution in beams, "Brazilian™ discs,
rectangular plates and circular rings. The agreement
between the experimental results and the numerical
solution was very good. H. Wifel [5] showed an excellent
agreement between stress results obtained by
thermoelastic stress analysic and Finite Elements. The
differences found are overall less than 1 N/mm2,

To ensure adiabatic conditions the cyclic load has to be
applied at a frequency high enough so that the stress-
induced temperature fluctuation has insufficient time to
diffuse within the material. It was found that a frequency
greater than approximately 8 Hz is sufficient for most
applications. The thermoelastic effect is further, for
higher frequencies independent of the frequency.

Based on the same ptions the thermoelastic relation
for & perfectly elastic but anisotropic body under adiabatic
conditions is:

AT 1
_—r; =- -Ec—e'[al IAOI 1 + a22A0'22] (2.)

In the case of fibre reinforced composites the stresses
involved can cither be the local ply-stresses or the
integrated stresses over the total thickness of the
laminate.

As an example we consider an Fibredux 914C-TS carbon
epoxy laminate with the following stacking <equence
[0°,90°2,0°5)s .

Assuming an applied uniaxial sinusoidal str 5s 6 = AG
sinot in the x-direction where AG is an arbitrary constant
equal to IN/mm2. It may be shown from the classical
lamination theory that the global laminate stresses are
given by:

Gx=1.0 E06 N/m2 and the linear expansion coefficient in
the x-direction 0tx= 1.386E-06 /°C and in the y-direction
0y=5.85E-06 /°C. The values p=1610 kg/m3 and cz=921
Jfkg °C were taken from reference [6].
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The corresponding stress-induced relative temperature
change e.g. eqn. (2.) is equal for this case to:
AT /Tg = 9E-07.

Figure 1 gives the measured SPATE response for a
frequency of 1 to 20 Hz. As in Dunn et al. all amplitude
data are normalised by the 20 Hz signal.
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Fig. 1 Normalised ampltude data.

Figure 1. shows clearly a very poor agreement between
theory and experiment.

Knowing that homogenisation of all the layer data leads to
bad results and since SPATE is a surface measuring device,
the measured data could only reflect the stresses in the
surface layer (e.g. [7]).
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Fig. 2 Normalsed ampldude data.

For the same lay-up and loading conditions the classical
lamination theory gives for the local surface (0°) layer
‘tesses: Ox= 1.30E06 N/m2 and Gy= 2..SE04 N/m2 and
the linear expansion coefficient in the x-direction
0x=0.29E-06 /°C and in the y-direction ty=29.0E-06 /°C

The corresponding relative temperature change (e.g. eqn.
(2.)) is this time equal to: AT / Tg = 7E-07.

Figure 2. compares theory and cxperiment and shows
again a very poor agreement.

4. NON-ADIABATIC THEORY

While analysing the thermoelastic response of fibre
reinforced composites a rather interesting question raises:
do, ss a consequence of cyclic loading, fibre and matrix
experience the same temperature fluctuation. This que-iion
is even more under discussion since in the case of
polymeric matrix reinforced material systems there exist
large stress gradients in the form of stress discontinuities
between the stiff fibre and the weak matrix.

To resolve this question, consider a single fibre which is
subjected to a sudden change in its surface temperature. The
single fibre is idealised as a infinite long circular cylinder
of radius r=R. Initally the fibre is in thermal equihibrium
with the surrounding such that at  t < o we have T(r,T)=Ty.
At =0, the boundary condition T=T, for r=R is imposed.
The problem to solve is described by the one-dimensional
heat diffusion equation in cylindrical co-ordinates:

19T 8T 19T _
TR w0 é)

where Y= -k— is the diffusion coefficient, and in which k
pc

1s the conduction coefficient, p is the density and c is the
specific heat capaaity.

The solution of eq. (3.) may be expressed as a series of
Bessel functions:

0= Zago(p, é—)cxp{—u?Fo) @)

im)
T-T 2
where 0= L ad 2 =
To-T, ' u:"l(ul)

Jo and J are respectively the zero-th. and first order
Bessel functions of the first kind, p; are the roots of Jg and

Fo= %‘f is known as the Fourrier number.

Figure 3. shows the temperature profiles across the rad.us
of the cylinder. It is seen that the process of heat transfer
is essentially completed for a Fourrier number equal w0 0.8
This means that for a typical carbon fibre for which y=
1.5 10°3 m2/s, a uniform temperature is attained after 4.6
10°7 5. As this ume s much smaller that a quarter of a
petiod of a 20Hz loading cycle it is concluded that the Jbre
and his surrounding matrix experience the same
temperature fluctuations. In other words, for the
thermocelastic stress analysis of fibre reinforced
composites we don't need to go down to the micro-scale of
analysing fibre and matrix separately. Indeed, a single
layer of carbon fiber reinforced composite, can be treated
as a homogeneous orthotropic material,
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In general, a laminate consists of many plies of different
orientations. Each ply can experience different stresses
which may be computed by use of the classical lamination
theory. At the interface between two layers high stress
discontinuities may arise. Similar to the prev vus
analysis, the process of heat transfer between plies may be
assessed by considering an infinite plate initially at 2
uniform temperature being subjected to a sudden change in
temperature at both its surfaces. The solution to this
problem is given in eq.(5.):

0= Z—cxp wiFe sinw,x )
n-l
with @, =nt and n=13.5,....

The fourrier number in this case is: Fg = % in which L is
the ply thickness.
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Fig.4 Temperature profiles of infinte plate.
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From Fig. 4, it is seen that the diffusion process is
finished when Fg=0.5. For a carbon epoxy lamina, with

¥=6 10-7 m2/s and L=0.125 mm, this is after 0.013 5. As
this is of the same order as a quarter period of & 20Hz cycle
it is concluded that a complete homogenisation of the
temperature between different layers will not occur. For the
thermoelastic analysis of crrbon fibre reinforced
composite a single orthotropic lamina will be the basic
building bloc to consider.

From the previous section we can ¢y clude that the simple
relation eqn (2.) is not valid. For a more accurate

n of the problem each ply of the laminate
wnll be eonsxdaed sqmnely Since each ply can be treated
as a homogeneous orthotropic plate, it may be shown
from principles of mechanics and thermodynamics of
irreversible processes [8] that, for quasi-static conditions
and small temperature changes:

3
ZaQ S-PCe g[r To[auAﬁ'" +anAUn] (6.)

where Qj is the heat flux passing through the point under
consideration, p is the density, Cg the specific heat under
constant strain, Tg is the absolute temperature, 11,222
are the coefficient of thermal expansion and 611,622 are

the stress components in the respective inplane
orthotropic directions.

As the in-plane stress gradients are much less than the
stress gradients between plies, we can assume that the heat
transfer during thermoelastic cycling is dominated by
diffusion in the through-thickness direction.

The heat conduction equation of Fourier gives:

3
2Q; ‘T
==K- a.
& 9X; K &

where Z is the co-ordinate in the through-thickness
direction and X is the corresponding heat conduetion
coefficient.

Defimung the non-dimensional temperature 6 = (T-Tg)/To
and substituting eqn (7.) into eqn (6.) yields the classical
one-#imensional diffusion equation:

2
%!0_ D% S @)

where D=K / pCg is the coefficient of thermal diffusivity
and

1 . .
=—pc_[a“°'" +an0'n] ©.)
t

represents an internal heat source.

Due to the complexity of this psrtial differential equation
the solution is best sought by numerical methods. The
recommended method for this type of problem is & Crank

Nicolson finite difference scheme. We discretised each ply
by 30 nodes and a typical time step of 0.02 ®/ © seconds
was used for all frequencies studied. Cox,iputation was done
using double precision anthmetic. The full temperature

py
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field was colved every time step and the surface
temperature was monitored.

Figure S shows both the computed and measured specimen
surfsce temperature response when subjected to cyclic
loading. Maintaining the convention of Dunn et al. all the
amplitude data have been normalised by the corresponding
result at 20 Hz.

1.9

1.8 & Experimental data
=174
° o Numerical data
© 1.6
[
6 1.54

Relative temperature
o F S
© - = D oWw B
SR S T U T

0.8 1 1 1 1 1 i i i i

°© N T o ® o zwe
Frequency (Hz)

Fig. 5 Normalise¢ a-olitude data for [0°,60°2.0°5)

laminate,

Despite the fact that 2 large number of matenal parameters,
some taken from literature, were involved in the
computation the agreement between numenical and
experimental results is relatively good. It may be seen
cleatly from the computed gesults thac there exists a
maximy~ which corresponds to the transition from the

20

domination of the surface temperature by the 90° plies to
that of the 0° ply. As the frequency goes higher the heat
conduction process becomes more adiabatic and the
importance of the 0° ply increases. In fact the
homogenisation of all the layers gives for this type of
laminate an upper-bound and considenng the surface layer
alone gives for the thermoelastic effect a lower-bound.

5. Spate as NDT-device.

To acquire Spate results, it is essential to load dynamically
the structure and correlate the signal coming from the
infrared sensor with a reference signal. This way, any
signal component with a frequency or phase different from
the reference signal will be rejected. This is the man
feason why Spne is so sensitive for small temperature
ges. The implication of this is that it is impossible to
measure any static temperature, During investigation of
the motion problem, it was found to be interesting to be
able to visualize the stutic temperatu:e distribution on the
surface of the specimen under consideration. By hardware
modification of the Spate equipment, 1t 1s possible to
monitor static temperature components. By tdding an
optical chopper to the system (sec figure 6), the DC
component of the infrared sensor signal is converted to a
block function with frequency 2 determ ned by the rotation
speed of the DC motor driving the chopper blade, It is
essential that the chopper blade is made from exactly the
same material as the specimen and that it has the same
surfacc prcpuauon The chopper blade is on the same
ure as the sp 1s. However, it is not
dynaxmcally loaded. Under these conditions the peak to
pesk value of the resalting block tunction is proportional
10 the static change in surface temperature of the specimen
and wil! be seen by the computer at the output of the
correlator. By knowing a temperature at one point of the
surface (1¢. by thesmocouple), 1t is possible to calibrate
Spate equipment for static temperature measurements.

Spate
EREQ 2 signal
o—l— 7 —————— SPATE SENSOR CORRELATOR
© acquisition
-\ reference
signal l
OPTICAL SEMNSOR I COMPUTER
| IFREQ 1 processing

Figure 6. Basic principle of optical chopper




6. DAMAGE ASSESSMENT

Under cyclic loading conditions, fibre reinforced
composite systems show an internal heating which can be
used to montor the damage nititation and evolution [11)

By modification of the SPATE-system, explained in
previous paragraph, it is possible to measure in a very
accurate way, the generated heat within the specimen. This
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internal heat generation is a q of viscoelastic
cffects and inter-laminar fretting due to damage growth.
Figure 7 shows the SPATE scans of a specunen loaded 1n
fatigue at 0.3 Ofajlure and a frequency of 10 Hz The
material used was of a 914C-TS type carbon fibre

composite and the lay-up considered was (90°3,0°4,90°);.

Figure 7. Static temperature ficld at 78, 387, 509, 597, and 688 103 cycles.

Cross reference with ultrasonic c-scans suggests that
growing delan:inations, and thus a growing damage state,
is correlated with an increasing stanic temperature
component.

CONCLUSIONS

It has been demonstrated that the thermoelastic relation as
developed by Lord Kelvin is inadequate for fibre reinforced
composite systems. A non-azdiabatic model for the
thermoelasuc effect for laminated composite plates has
shown relatively good agreement between computed and
experimentally measured surface temperature response. It
is concluded that, at lower loading frequency the p of
inter-taminar heat transfer makes the direct interpretation
of SPATE results very difficult The thermoelastic response
is strongly dependent on the loading frequencies in the
range of say 1-20 Hz. On the other hand, at very high
frequencies only the surface ply 1s to be consider for the
thermoelastic response.

By modification of Spate hardware, 11 was possible 1o
monitor the static temperature distnbutions, whom are
related to interior damage phenomenon.
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SUMMARY

thickness stress waves but allows the structure to respond

Thus paper highlights the need for predicting del or
debonding in carbon fibre composite structures in two
situations where the effect 15 crucial.  Fustly interior barely
visible damage duc to low velocily impact, and secondly the
debonded joint between panel and stiffener 1n a post-buckled
compression panel. It is shown that for impact damage a
stress-based failure cnitersa might work for thin plates less than
2mm thick but as the thickness increases a tracture model
becomes necessary A strategy for bridging this gap and aiso
avoiding the nerd for a hypothetical flaw 1s advocated An
mmproved method for finding mode 111 fracture toughness 1s
shown.

INTRODUCTION

Debonding 2nd del are sull the Achilles heel of hugh
performance laminated composite materials n structures, and
much effort has been expended in trying to understand the
occurrence and preventing it by detailed design  The type of
structure most under threat 1s the compression panel where
delamination 1s much more debilitaung than for the tension
structure. The faslure of stffencd compression panels of carbon
fibre reinforced composites, particularly in the post-buckling
regime, s almost certainly going to nvolve debonding at a
stiffener/spar/rib support 1f these jomts are co-cured or co-
bonded rather than mechanically fastened. The other threat is
that of internal delaminaticn due to low velocity impact (BVID)
and the current himitation of allowable strains to 0.3% - 0 4%,
due to the combined threat of BVID in hoy/wet environments,
lustrates dramatically ths sacrifice of more than 100% in
strength which should not be tolerated. Both of these forms of
degradation are discussed in this paper. Inteim results are
quoted from two ongoing projects sp d by the EEC Brte-
Euram programme  These two projects are respectively "Design
methodology for imptoved damage tolerance in carbon
composite structures, BE 3159.” and “The post-buckhing
behaviour of CFC structures, BE 3160 ™ Both of these projects
involve consortia of industnal and research establishments, in
particular Briush Acrospace, MBB, Fokker, Domier, CASA.
SAAB, Dassault, NLR, the Katholicke University of Leusen,
and Impenial College.

DELAMINATION BY LOW VELOCITY IMPACT
DAMAGE

Although the theme of this workshop s not impact d ge, the

dynamically so that the thin plates deform as in classical thin
plate theory rather than local 3-D stress ficlds It may be
shown 2] that this velocity is of order the speed of sound in the
matnx x the failure stran threshold. This turns out to be about
20m/sec in carbon fibre comp SO we are ¢ dering tool
drop and similar accidents

The current philosophy 1s to conduct drop tests and then test for
restdual "compression afier impact” strength  The coupons
mostly used are 125mm x 7Smm (attributed to Bocing) and
200mm x 200mm (autnibuted 1o MBB) However the low
velocity dynamic response of real structures may be far from the
of a coup pared with which 1t may be suffer or
more flexible, and 1n the typically 3 to 6m/sec impact event,
much cnergy can be absorbed clastically by a surrounding
structure  To test all likely and different aimpact sites on an
awrcraft wing or fuselage is not feasible, so some sort of rehable
theoretical/expenimental predictor 15 invaluable

Even to use two diffcrent sets of "standard coupons™ with
possibly two boundary conditions (simply supported and
clamped) is to confuse comparisons between tests It 1s
conventional to map damage and residual strength vanations
agamst wcident encrgy since this is how the threat is usually
defined yet clearly vanations in specimen stiffness will result
m different elastic encrgy sbsorpion  This paper therefore
addresses several topics

. How 1o rclate damage 1o the incident energy and allow
for test specimens of different dynamic responses

. How to translate coupon damage 10 real components and
assess the compression after impact stzength

. How 1o predict damage theoretically without conducting
coupon tests at all.

Ths latter task has been approached in two ways  Fustly, by
SAAB using DYNA 3-D, a very detailed finite clement model
reconstructs the impact cvent  The model deploys uny eight-
node bricks per tamina and 1s very computer intensive, but 1t
should reveal the matations on numenical simulation which are
due to mncorrect modelhing of the physics rather than the strain
field Recogmsing that 3 D simuiation of sealistic structural
details will anvolve many supercomputer hours, a sccond

main results of low velocity impact can be barely or totally
invisible internal delamination A hidden menace. The term
“low velocity™ should be defined since high velocity produces
local balhistic types of damage, far {rom nvisible, and
extremely local  Simple coupon tests suffice 1o demonstrate
the behaviour of a full scale structure. The term low velouty s
defined as that lower bound which does not excite through

pproach by Impenial College has used simpler composite plate
clements and another fimite clement code FINEL 77 Thus has
been used to test the himus on simulaung the failure process,
but also to use a fall back strategy of all clse fails  This
strategy postulates that the low velocity impact damage
depends primanly on the impactor contact foree signature for a
given plates’ local layup  This force history can be readily
simulated by a crude finite clement model and thesefore enables




Js to cmbed a coupon calibration test i any situcture and
predict the nature of the damage from the force history, There
could also be near sutface damage duc to bending strains alone
and these are ly modelled and d

P

All these strategies have been validated by tests on plates made
from HTA T800 6376 prepreg using a basic quasi-isotropic
layup [+45, 90, O]qs withn = 1.2 and 4 The Imm 8-ply plates
are thinner than most pnimary struciures but have been chosen
to contain the DYNA 3-D computing ume to one or two hours
during this modelling vahdation stage

Test Results and Conclusions

The tests have used a drop test nig capable »f monitonng smpact
force, plate strains, and velocity during the event  The damage
areas have been diagnosed by C-scan to get the envelope, and
by using high frequency scanners and 1mage processing at KUL.
Figure 1 shows the C-scan image with increasing incident
energy. Ininally the intenior delamination 1s invisible and
almost circular, but this 1s deceptive  Figures 2 and 3 show the
several layers of delammation of 2 charactenstic “peanut”
shape extending m the direction of the local fibres. At higher
incident cnergies the plates’ response is a bending mode and
matnx cracking normal to the surface fibres starts to propagate
for the top one or two laminas  The elongation shown in
Figure 1(d) depicts this. The resulis of mapping damage against
force history are dramatic and confirm that we can indeed allow
for the different dynamic responses  Using two sets of plate
sizes with both simply supported and clamped bound

using an exphicit mode for integraung the equations of motion,
has deployed only sixtcen 9 noded Mindlin plate bending
clements, which include shear deformation (sec Figure 8)
Figure 9 shows the predictions of force and the test results
before and after a modest filter to remove noise. The
expenimental force 1s measured direcily by a load cell at the
mmpactor tp  The response 15 almost sinusoidal with no hugher
frequency ringing suggesung that the peak force can be
predicted by simply equaung maximum strain energy lo
incident kincuc energy. This tums out to be true in this case,
but not so for suffer plates  Notice that the predicted deflection
of 1.5mm 1s less than the 2mm plate thickness i this example,
but for larger plates this is not so and 1t 1s necessary to allow
for the non-lincar suffeming which can occur even for modest
strain levels  Figure 10 shows the response for the larger
200mm x 200mm x 2mm thick plate where the maximum
deflection predicted by a linear model would exceed Smm  The
non lincar deflection shown agrees well with the impactor test
night up to bouncing, and with the plate thereafter The hugher
force predicted shows the effect of non-lincar suffening, and
now there 1s some higher frequency response. The 4% crittcal
damping used tn this model could be tuned to remove the slight
phase change (but hasnt) Figure 10b shows results for another
nonhinecar mmpact on 'mm plates with displacements exceeding
Smm  The agreement with the full 3-D model s excellent, but
of course no damage degradation has been incorporated  This s
also reasonable for modest interlaminar delamination but less
so for large amounts of near surface farlure when the flexural
P could start to change The fimte element predictions

y
conditions allows four scts of results to be compared Figure
4(a) shows that the use of force makes the vanauons between
specimens indisinguishable.  Surface fibre sphitting stasted at
about 800N ard the sudden nise at 1100N comcided with this
back-face splitting The more conventional use of incident
cnergy 1n Figure 4(b) does scparate the suff and flexible plates,
and 1n Figures 5(a) and 5(b) this ber omes much more acute for
the 2mm plates The changing damage mode 15 also not
obvious in the cnergy maps  The 4mm and 6mm plates are
being evaluated but a preview from some carly Fokher tests 1s
shown in Figure 6  Here only three encrgy levels have been
selected, but the force map is sull more convincing We now
bricfly describe the numenical models needed to predict force
history as well as give a possible msight nto the failure
process

Prediction of dynamlc response and damage

The 3-D model using the DYNA 3 D simulation 1s showrn in
Figure 7 This is a crude model using three clement through the
thickness with smeared properuies, a total of 1500 8-node
bricks for a quartcr of the plate  The impactor needs to be
modclled geometncally accurate at the contact point to avoid
singular loading which would preciputate hour-glassing  After a
dynamic simulation is completed to the end of the half penod, a
finer substructure of 225 elements can be extracted using lamina
size bncks, and the interface of this substructure 1¢ then excited
by the displacement and velocity histones saved from the first
analysts  This global-local strategy reduces the computing
ume enormously which nevertheless still takes up 1 2 houts on
a CRAY XMP48 A dctailed output of strain history revealed
strain rates up to 85 per sccond but for less than 10microsecs.
they then fall almost immediately to about 10 per second for
the rest of the event  Tests conducted by KUL show that there 1s
no strain ratc cffect on ° fibre dorminated properties and even
for 90° tests the strength enhancement and modulus softening
do not come tn unl rates of 20 or more per second  Strain rate
cffects therefore seem of no consequence for the carbon
composites discussed here

A much less expensive finite clement model will suffice 1f only
the force istory and bending strains are needed, plus 2 mean
cstimate of the interlaminar shears  Our fimite element code.

1
for surface stramns turned out also to be reliable. Strain gauges
were placed along the surface 45° fibre directions where 1t was
observed that surface fibre spliting developed.  Figure 11
shows the experimental and theoretical hustones for strains at
6mm and 17mm from the impact zone  Th~ surface sphitting at
1 Imsec destroyed the gauges at a strain normal to the fibres of
about 0 9% which compates with the KUL prediction of 1% at
these strain rates of 10 per second  Although we have no direct
way of measuring the interlaminar shear strains we can compare
the mean (Mmdlin) shear strains o the value of the shear we
would expect in 2 statically loaded axvi-symmetrical plate, 1¢
load + 2rnG. In fact the shears in this quasi-isotropic layup arc
not quite axi-symmetrical but the quasi static approumation ts
valid (For a maximum impactor load of 2000N the nct inertia
force 1 a plate radius of 20mm was less than IN)  Figure 12
shows the finite clement and test deduced shear strains

Having some confidence m the numerical predictions, the next
stage 1s to test the asscrtion that a coupon test may be
embedded tn a suffencd panci via fimite element predicuons of
force history But before this 1t 1s tempting to try and predict
the delamination and surface fracture using the theoretical strain
histories, and thus avoid coupon tesuing altogether It is the
intention to use 3-D modcls to tcst vanous strategies for
predicting damage thresholds and growth such as

. Some permissible cquivalent stress or strain level

. Some equivalent fraciuze toughness and cnergy selcase
rate

. A damage mechanics model

The finite shell clement wali not delsser through thickness
peching stress so damage mechanics ss out, and n any casc a
special resin-rich layer would be needed to preduct
delaminaunon  We therefore turn to the first two cnitena to
assess ther success i predicting delaminatton thresholds and
extent,  Our analysis models are highly wdealised at this stage
but scrve to sllustrate which cnitena are hikely to be productive
i a full 3-D model with muluple delanunauons,  Simphficd
madels not only target the physics speaifically. f only




moderately successful they can isolate the important perameters
which enable us to produce better designs by changing the
influential matenal properties

The furst critena 1s tempting.  The two most common methods
for defining interlaminar shear strength are the losipescu test
and the short beam 1n three or four point bending  The four
pont bending tests avoid the likelihood of damage at a single
central load and agree well with the losipescu tests  Moreover
similar strengths are obtained with specimens either 8 ply or
16-ply thick so a stress based criteria seems to work  There is
some theoretical basis for this if we examine the energy release
rate for a central delamination wn the threc point bend tests
Details are given n the anncxe where 1115 shown that the mode
Il energy release rate s

9 p2 2
Gt = 3 p7w3
so the failure load
1

P = 38 [Ethnc]2

If a stress-based cnienon 1s used,
P =21 B2h

=-. 2
where T is the mean shear, or 3 X the interlaminar strength 1 for

a parabolic variation 1n a uni-directional specimen Thus o »
expect fracture to take over from stress based cnterion wher e
two arc cqual, 1 ¢.

= VEhGyo/t

For um-duccuonal CFC we use E = 140GPa, G 1s 0 ’N/mm, t =
90MPa, and we take 2 beam depth of 2mm to agree with the
depth of 16-ply recommended by CRAG (2) We therefore find a
half crack length a = 3 7mm  This 1s far n excess of both
observed flaws and assumed “cffecuve” crack lengths of order
2mm [4], so we expect a sitess based cnitenia to predict

of the dcl on and thereafter the crack to be
unstable when it exceeds 3 or dmm

We now look at a simphified axis-symmetnical interlaminar shear
strength modz1 for our quasi 1sotropic plate We could actually
dispense with the axi-symmetnic model and use our 2-D fimte
element mndel to extract the interlaminar shear stresses by
mntegraung he equations of equihibnium thiough the thickness
This has ben donc (S) and does indeed reveal the peanut
profiles menuoned earlier  Our simplified model for the quasi
1sotropic axi-symmetnc plate simply uses the maximum shear
stress

T= P2an,
=2
~hete t = 2h, and putting T = 37 and the area inside the

delaminauon front A = 12, we find

-Wui() AL

This criterion has the advantage that 1t should not be too
sensitive to the number of delanunation layers since the shear
stress distnibuton does not change much n the nmuddic two
thirds of the plate depth It should cease o be valid close 10
the ampact point where the siress field 1s no longer 2 D, so

equation (1) should be cuntailed at r = tor 2t say, or A rid or
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4m? 1t will also cease to be valid when the surface bending
strain takes over as the falure mode In our tests the
dclanunauon planes were invanably and obviously between
dissimilar orientations 0/90 and 0/+£45 (for which the strength

15 somewhat smaller) The curve (1) for T = 50MPa s
superposed on the test results in Figure 4 and the agreement
appears to be encouraging up 1o a force 1100N when the failure
mode definitely switches  However 1f we impose equation (1)
for t = 2mm on Figure 5 we find the agreement 1s now poor,
cven as a lower bound, and for Figure 6 1t fails completely.
Whenever a stress-based cnterion fails to scale with structurze
volume, we usually tum to fracture mechanics to explain

In the annexe we show the axi-symmetnical solution for an
internal delamination in the mud-plane, and the consequent
encrgy release rate when the circular patch grows  This
solution 15 a very simphified approximation since the material
1s assumed 1sotropic  This 1s only approximately true for quasi-
1sotropic layups and only for laminas in cxcess of 16 ply will
the effective moduli in tension and in flexure be nearly the
same The presence of muluple delammnation 1s also 1gnored
here, which will tend to diminish shghtly the rato of energy
rclease rate per unit area However the analysis docs show
rather surpnsingly that for this case, the mode II cnergy release
15 constant and does not depend on delamination radius or plate
dimension  This at lcast relieves us of the nced to invent 2
hypothetical mmuial flaw  The cntcal value (equation ) 1s
given by

9 P2(1-v2)
" 64 r? ER3

or the critical apphied load by

2 8rECQh? G,
c = 2 (2)

9(1-v*)
(This closed form solution is a very convement benchmark for
testing the degree of refinement needed 1n a numencal fimte
clement model for encrgy release.)

For the quasiisouropic layup and using ENF tests for
propagation (not imtiation) we use E = 60GPa, G =

08N/mm, v=03 Then
= 680(3I2 (3)

We thus expect no internal delamination at values below
cquation (3) and then a growth wathout further load increase
until another (surface) failure mode takes over Figure 13 shows
the three cntical loads given by equation (3) for t = 1.2, and
4.3mm compared with test values for rapid increase in area
Considering the crudity of the model the trend certainly seems
to be captured, and much more successfully than the
interlaminar shear strength-based criteria It explains why
there 15 a unsshold for delaminauon rather than uaing the
arbitrary lower band r = 2t 1n equation (1) If anything the trend
to a fracture model increases wath plate thickness as shown in
the annexe It remained now to simulate the energy release i a
finite element model. relaxing the axi symmetnic assumptions,
and attempt to predict the chnye 1n fracture mode from internal
delamination to surface frac wre.,

Without turmng imme aatcly to the general finite clement
solution, the trend can agan be captured by the axi symmetnc
analytical solution  We concentrate on the delamination front
radu corresponding to the three crtical loads gncn by (3) and
n Figure 13 The cnuical loads increase as | Y2 whercas the
bending strains depend on Pi% and the position which
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decreases like In (a/R)  If we use these wath the cniucal loads of
680, 1923, and 6060, we find the bending strains actually
decrease. The crucial strains at nght angles to the 45 fibres
tum out to be 1.9%, 0 7% and 04% Only the nuddie values get
close to the expected falure threshold, but more importantly
they decrecase with position and cannot be used as an
independent criteria It looks therefore that a fracture criteria
needs to be used for surface in interfibre sphiting and this 1s
going to be difficult 10 model It 1s not through thickness
fracture, although a fauly definite radial splitung between
fibtes 15 accompanied by a circumferenual delamination below
the split lamina surfaces

These results are at vanance with cathier work at NASA Langley

fallure/imtial buckling loads from 1 to 3 A senes of stacking
sequences were also chosen

(0/90/+45)2s, (0/+45/90)2s, (45/0/-45/90)s3

A small hypersuff displacement-controlled panel buckling
machine was available and the onset of delamination was
captured using acoustic emission sensors as carly waming
devices, followed by C-scanning  We found that edge
delamination started as late as 95% of the failure load and the
delaminauon spread rapidly actoss the panel  The sources were
all at the node hnes of the buckled mode and occurred 1n all
layups at 45 interfaces in a regular patten along the panel
alternating above and below the panel centre surface and on

(21} where a transiton from imtiation to propag was
detected and modelled, and as the plate thicknesses were
tncreased the falure was governed by the shear suength and not
in 2 fracture mode

Numerical evaluation of energy release rate G

The above sumplified treatment was only to illustrate the trend
and to try to 1dentify the delaminaton driver To predict even
statically the delamination front and 1ts growth in complex
geometnic situations, we need to use a swutabie fimite clement
model. 2-D plate clements are preferable if they mumic the real
hfe problem, but 3 D bricks may be needed. However 1t looks
as 1f quite crude algonthms for G are adequate  Thus 1s a hule
surpnising when one considers the effort devoted to modelhing
fracture 1n the clasto-plasic metal community  There are a
wealth of virtual crack tension methods, J ntegrals, and hybnd
mixtures usually justfymng a crack up singular clement to
capture the r~172 swain field near the crack front It looks now
as if this 1s not y for del 1on ff A modificd
crack closure method (6] has been shown to work using nodal
forces ahead of the crack x the corresponding nodal crack-
opening displacements just behind the crack front {7}, By
sclecting all threc nodal componenis it 1s possible to extract
all three modes 1, 11 and 11I values of G. That this wotks equally
well for 3 D bricks and 2 D plate clements indicates that it s
not necessary to simulate the singular ficld at all  Providing
that the crack up strain fields are self-simular, then the energy
release rate effecuvely determines the release duc to the basic
non-singular strains and stresses  The crack up ficld s not
simulated preciscly and if the composite matenal 1s ductile
cnough to flow, or if there s sigmficant fibre breaking or
bndging., we assume these cffecis are encapsulated into the
experimenta’ values for G. These issues tum out to be
important agan in the compression panel suffener debonding
problem.

THE POST-BUCKLED COMPRESSION PANEL

There is no shortage of evidence from industrial sources that the
ulumate strength of suffened carbon composite compression
pancls ts determuined by the sirength of the bond between pancl
and suffener (7}, parucularly if the ulumate design load 1s close
to of in excess of the imtial buckhing load The nature of the
stress field between suffener and panel can be complex, and
what to do with the solved stresses is still not clear, but to butld
confidence in our predicive capabiity we should not just rely
on the expenmental failure load wd a post mortem on the
obscrved failure mode. Onc can always tune failure critena to
match 2 given test and then discover that a2 differunt
configurauon requires different curve fitung. If the problem s
internal fracture by delamination, one needs to locate the source
of falurc with some cenamnty

Some ycars back {9] we decided to invesugste the onset of post
buckling fatturc 1n a senies of long ssmply supported panels
whosc  width/thickness  (b/t) ratios gave a range of

PP edges. (C-scans are shown m Figure 14) It had been
anucipated that edge delamination was likely but might have
been expected at the buckled crests where the longitudinal
stress resultants Nyy were a maximum (see Figure 15). In
common with Starnes and Rouse {3]) we found that failure
occurred at the node hnes It transpired that the through-
thickness stresses responsible were partly due to the usual edge
effect associated with Nyy but also ~ and in equal measure - due

to the twisting moment My, whose shear swresses Gxy have to
decay to zero at the simply supported edge A detailed finite
clemeat model was constructed using three brick clements per
lamina 1n a zone 8mm (41) from the cdge In order 1o contain
the size of the model it was argued that stress varations along
the panel directton (x) vancd with a half wave length of order of
panel width b, which was large compared with the boundary
layer edge effect  Thus a 2-D analysis 1s reasonable The
results are shown in Figure 16 and indicate just how complex
edge cffects can be  However we were able to locate precisely
the stress component {Ty; ) and the level at which delanunation
was occurting in the alternaung pattern observed and due to
M;, A fractograph post mortem of the failure surface
confirmed the direction of shearng  The theoretical magnitude
of 80MPa was not teo dissumilar for the current interfaminar
shear sirength for XAS/S14  The prediction of failure for a
whole senes of b/t ratios and stacking scquences was on
average exact, to within a standard deviation of 12% compared
with predictions based on maumum fibre strains which were
more than 40% to conservatn ¢

However the agreemcent was to 3 certain extent fortuitous, since
if we refine the finite clement mesh then the pecling suresses
would undoubtedly appear singular at the {ree edge, and a case
for fracture by delamination was clear  Unfortunately the
sigmficance of the twist induced longitudinal stress Gy, meant
we needed to know the mode Il toughness, which highlighted
the need to design a pure modc HI test and described later.
Another feature of this study was that an analytical boundary
layer solution was possible for both Ngx and My, (Reference
[9] and Figure 17) where it was shown that the edge effect would

G
extend to & distance of order ¢ '\/ (Tlx This 1s important in
Xz

constructing finite clement models  In sotropic materials the
boundary layer 1s of order t whercas for a typical composite
13110 Gyy/Gy, = 10, and a boundary layer of order 4t or more - As
part of the current Bute Euram project menuoned we wifl use a
new hypersuff 250 tonne testing machine wath platiens 0 Sm x
1 Sm and panel lengih up to 1 Sm We thus expect to he able o
monitar pancl and suffencr debonding failure a< soon as il
miuates, $o at s worth wmmaniang the analyucal predicine
techmques we cxpect to he able to validate

Prediction of suffener debonding in post-buckled
compression  panels

The prediction of internal stress resultants and ther behaviour
well nto the post buckling regime does not appear to be 4




problem. For a proposcd l-stiffened compression panel,
having post-buckling strength n excess of twice the unal
buckling load, identical behaviour has been predicted by
several fimte element codes NASTRAN, ELFINI, ABAQUS,
PANDA, and FINEL 77. The big question 1s what to do with the
answers, and can we use siress-based cutena, fracture
mechanics, or 1s something else needed?
We mught expect the debonding to depend on whether
the suffener 1s carrying a net resultant or whether it 15 simply
accumulaung stress by diffusion. The suffener may resist panel
normal loading (due to fuel pressure for example) or expenence
“hit-off” forces due to post-buckling curvature, of 1t may
provide a torsional resistance at ponts along its fength  Such
loading (Figure 18(a)) involves a net resultant force between
pancl and stffener. On the other hand (Figure 18(b)) the
ntemal stress resultants Ny, My, Myy et will equihibniate
actoss the suffener but sull allow stress 1o diffuse into the
stffencr flange and hence cause debonding shears and pecling
siresses.  As a matler of fact the stress concenuauons at the
suffener edges depend on 4 local boundary layer i both types
of loading, although the consequent propagation of
delamination mght be different for type (a) and (b). The length
of the boundary Jayer in the vicimity of the suffener cdge 1s now
roughly of order

1
{th Eyy/G, 12

whete t 1s the suffener flange thickness and Eyy the cquivalent
modulus in the y direcion  h 1s the equivalent thickness of the
resin-rich bond layer and Gy, the bond shear modulus  The
moduliz 1210 can be in excess of tharty but this 1s counteracted
by the usuaily small thickness h, hence the boundary layer can
be only of order t  In fact there 1s a sccondary layer due to the
bond transverse modulus E,, and tus car be very small leading
1o hugh gradients and peel stresses near the suffener edge Once
again a hinear clastic solution 1s likely to lead 10 a necar singular
stress ficid, and suggests a fracture approach would be more
realisuc. However siress-based cntenia have been quoted as
leading to ble pred One method uscs a structural
mechamcs approach replacing the bond by an elastic
foundauon having shear and tensional s-:ffness (the nterfacial
stress field model) and uses the Hill-Tsai cnitena to couple the
consequent shear and peel stresses  In Reference {7} the
prediction of stffener debonding for a buckled panel under
shear and compression 1s compared with test and the agreement
1s ampressive although no atiempt 1s made to simulate
delarmination by fracture

Another siress-based simulation in Reference [10] tackles the
rormal pressure (0 05MPa) case with ditect suffener loading
After global post-buckling analysis the skin-suffener stresses
wete solved using a very refined 8-noded bnick niodel m a
substructure having a length of 6 elements in the x ditection (a
2-D slice is possible providing the bricks have warping
freed S wete evaluated for a real case but no
experimental confirmanon of failure was availablc.

A recent repert uses a more cconomical model deploying high
order (56 degtees of freedom) plate clements for skin and
stffener with an interface clement to return the bond strams
all three strain components are combined n a quadratic
wicractive {ailure cniterion  As an alternative 1t was assumed
also that pecling would 1mtiate at a threshold bending strain
duc to My at the suffener edge  This threshold was found
cxperimentally using a 4-point bending test  No attempt was
made to evaluate the cffects of Ny or M‘y (as i Figurc 18)
Post buckling tests in a shear nig showed that stffener
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debonding vccurred quite closely to the predicted stram level,
but other loading cases needed to be verified

In the present BE 3160 programme it s intended to compare
stiffencr debonding predictions with test ay mentioned earhier,
but a fracture delamination model should be fully assesscd since
no siress-based critenia can v 100% reliable when the
magnitude of the nterface stresses *~nends on the degree of
refinement of the fimte clement model - 4. uming no matenal
or non hinear softeung of course  Currently we only have one
first-hand evaluation to date, in a serics of tests conducted by
partner Dassauit in 1988 {12] A sunes of fundamental tests
was carmied out whereby a blade stuffener was subjecied to a
resultant pull r 7 load, as shown in Figure 19(a) and 19(b). and
an indirect _ittusion loading Figute 19¢) In case b the degtee
of flexit-o .. the shin panel was controlled by varying the span
betw en the supports. This tvpe of loading causes unreahstic
stress concentrations but the objectives were to test the
validity of stress based or fracture-based cntena  Two resim-
fibre systems were tested  The fimite element model was 22 D
assembly of bricks with the hnear bending and twisting stramns
as background and the generalised warping field u(y.7) to be
solved The number of elements exceeded 7,000, and Figures
20 and 21 illustrate the extremely fine assembly used to oblamn
accurate encrgy release rates for central delamination (19(b))
and for edge delamination (case 19(c))

The stress-based cntenion used was the famihiar quadrauc

(A (Ty\2

(or) )

whete the rupture stresses were 6, = 16MPa and 1, = 50MPa In
all cases when the f{alure load was apphed numencally the
critenion was exc~eded handsomely (particularly since G, was
greater than 16MPa alone in most cases) and the singular nature
of the ficld at the flange up clearly cast doubts on the stress-
based critenion for case 19¢ - see Figure 22 The encrgy release
rates for cases 19a and 19b were dominated by mode 1 and were
unsiable, so have the problem of choosing the inthal faw
(The size of the Bermuda Trniangle?) Disbonds of 3mm were
incorporated in the specimen and values of Gy were then
deduced 10 be 330 and 200)/m? for the two materials  Case 19¢
was then simulated for flaws at the edge and found to result in an
almost constant encrgy release rate after a flaw length of Imm
Mode Il Jomunated  Two interactive crucnon relaung Gi/Gic
and Gyj/Gjic were then tested (lincar and quadratic) to see if a
constant value of Gyjc emerged For one matenal T300/914 the
values were quite inconsistent but for G803/914 the values were
1n the range 300 to 325)/m® for the quadrauc critena  These
seem a hittle low. and clearly more basic fests are nceded

The picture so far scems uncertain, but the daunting problem of
modelling in 2-D's the detail skin-suiffener junction now seems
no longer 1o be daunung  The use of energy release therefore
does scem to offer the best scope for reahstic cntena, even
though the problem of mtial flaw size rematns to be chosen for
those cases where dG/da 1s posiive  However there are
cncouraging signs that an alternative approach may be cheaper
and morc conventent 1o use  The idea 1s developed in Reference
13 to usc an interface clement for the finste suffness up to a
stress level imit and then a non hinear <oftening such that the
total cnergy to fatlure corresponds 1o the known value of Gyc,
Giic. or Gy Imitial tests scem promusing and no more
artificsal than damage mechanics




5-6

MODE 111 FRACTURE TOUGHNESS

The difficulies of validaung a fracture approach 1o
delamunation and debonding have been highlighted and a
suitable interacuion formula forms part of that validauion
process  As d when d ing the need 10 include
warping clements in 2-D models, and the possibility of encrgy
release duc to twisung moments, there s considerable
uncertamnty tn knowing what value to use for mode Il
toughness  The measurement of mode 11l delamination
toughness has received relanively lLitile attention, n
comparison with modes I and Il because it has proved difficult
to devise a satisfactory test for this mode of fractute Indecd 2
recent review [14] concluded that no satisfactory test exists for
mode 1ll. A number of mode INl test techmques have been
proposed in the hterature  These include the Crack Rail Shear
test (CRS) [15. 16] and the Spht Canulever Beam (SCB)
(17.18,19.20] and these are shown diagramatically i Figure
23 Unfortunately neither of these test methods has proved
satisfactory

In the CRS test the crack growth was reported to be non-
uniform as indicated in Figure 24 and often crack jumping was
observed  Also because of the high loads required to cause
delamuinanion, shppage between rails and the specimen occurred
tn some cases. The SCB specimen suffers from the conaiderable
disadvantage that the delamunanon growth 1s not pure mode 111
but 1s 1n fact mixed mode IF and IIl - Thus 1s due to the existence
of 2 bending moment 1n the crack front in addiion to the shear
force which 1s required to dnve the crack in mode 1l The
bending moment 1n one arm causcs, say. tenstle stresses at the
upper face while in the adjacent arm the flexural stresses are
compressive at the upper surface  Thus at the two surfaces the
predominant modes are mode (I leaving only the centre of the
crach front in the desired mode {11 Figure 25 shows a finue
clement prediction of the distribution of both cnergy release
rates at the crach front from the centre to a surface.

Supported by the UK Defence Research Agency (Acrospace) we
have overcome thus problens by redesigming o modified SCB
test nig so that the apphed forces align themsclves with the
current posiion of the crack front  The U-shaped nig 1s shown
in Figure 26 together with the finte clement model used to
predict the of thus amrang The mode I opening i<
virtually zero and the mode I release rate almost constant The
success of this test method can be judged by the scanning
clectron microscope photographs of the fracture surfaces shown
in Figute 27 for carbon cpoxy XAS-913C umi-directional
laminates  The pure mode I specimen (which 1s casicr o
achieve) shows charactenstuic hackles as the crack front shears
across the fibres These are present again in a standard SCB
specunen (b) except on the centre Iime but in the new ng (¢) are
virtually absent  We are now finding pure mode II toughness
values for this composite 1o be approximately 1.000}/m?
compared to half this value for mode Il These values are not
ycl as repeatable as we would hike and the nig 1s now being
modified so that the loads in Figure 26 are more precisely in
Iine with the crack front rather than offset by half a bar
thickness.

CONCLUSIONS

The work repotted upon 1n this paper forms part of thrce
scparatc rescarch projects, but they alt have one thing in
common s the onset of debonding and del 1on a bntle
fracture process and can 1t be predicted using current or future
analysis mcthods? The atality to predict encrgy release rates
numerically 1s here with us now and the use of fnendly and rapid
finite clement pre-processsors to create models in a
globallocal strategy, plus the dramatic decrease m cost of
powcrfur workstations, puts us m a sirong position to aumulate
delanunation cncrgy releases  However there remauns the

problem of 1dentifying the source - possibly muluple sources -
of delamination an the first nstance A strong bond 1s no
consolauon if the faillure starts 1n the adjacent adherent due to
the through thickness stress field cauced by the loading and by
discontinuous geometry
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ANNEXE

Energy-Release Rates for internal delamination
The energy relcase rates for edge delaminations are well
known ndeed the Edge Notched Flexure test for beams 1s
the most common method for determining mode H cntical
rate Gyic. For a beam of width B and depth 2h, with a crack
length a, 1t 1s known that a tip load P produces a rate

9 p232

G =3p7em @

The corresponding rate for the centre notch 1n Figure Al
needs a little explanation

P
A B C B
T T b
e
1= h
A' B’
Figure Al

The outer portion of the beam BC 1s staucally determinate
and the rotation of BB’ imparted 10 the central porion AB is
exactly the same for the unotched or notched beam. This
rotation produces bending moments in each split half, and
equal and opposite forces These latter will be constant
from A to B assuming no fricuion between the halves, so
the apphed load P 1s resisted by the gradients of moment in
AB and A'B' and shared equally since the two halves move
together. The difference in the internal strain energy U i
the centre poruon A-B can therefore be found in terms of the
additional deflecuon of a centrally loaded beam clamped with
respect to the two faces AA” and BB',

For the undclaminated beam we have
8y = Pa*2EB(2h),
and for the notched version where the load 1s shared,

Ba = -ZEaV.ZEBh’

50 the net gain n strain ¢oergy

1 1 _3pn
U= 2psn - P8 = 32 EBh?

In an incremental delaminauon therefore we have

v

G.B%6a = % . 8a,
9 p?
or G = SEB (D]

Notice that the crtical foad, for a given crack length, varies
as 32 For a  ven beam length, if flerural compressive
or lenstle stress were the farlure cniterion, the load would
vary as h2, so as the beam depth is increased any tendency
to failure tn conventional flexure mode could be overtahen

by delaminauon fracture. This phenomenon is known, and
reappears agamn in different form for the plate problem.

The gencral compostte plate problem 15 formidable, so we
usc a simphficd model, to try to capture the trend, by
assuming axial symmetry. It s possible (0 use quasi-
1sotropic layups like {0, 90, £45]sn having 'n' laycrs, and 1f
n is sufficicntly large the effective moduli 1n extension and
flexure will be the same, and the following analysis a good
approximaton.

The corresponding central deflections for a clamped plate of
radws "a', and for the notched plate with a central
delamination, can be found to be

8y = 3Pa¥(1-v?)/4n(2h)* and &, = Bgaz(l-vz)/‘h\'h3

2(}-v?
Thus netenergy gain U = %P(&n-&,) = 2PV

64nEh3
and equaung G2ra.ba. = %aq.iia.
_ 9PY1vY) .
we find G = Py (ir)

Note once more that this 1s independent of the plate size or
boundary condiuons

i
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Delzmination
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Figure 2 Multiple delamination levels.

Figure 3 Overlapping 'peanut' delaminations.
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Figure 14 Delamination sites from C-scans.

Figure 15  Post-buckling stress fields.
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GARTEUR Damage Mechanics for Composite Materials
Analytical / Experimental Research on Delaminations

M. Ga‘ke,DLR (pres.); D.J. Allman,RAE; C. Czékajski,Aérospatiale;
H. Eggers,DLR: D. Giletta, R. Girard,ONERA; R. Hillgert, MBB;
J. Laméris,NLR; R.F. Mosley, R.T. Potter,RAE
DLR - Institute for Structural Mechanics
D - 3300 Braunschweig / Flughafen
Germany

1. Summary

Currently used carbonfiber-reinforced plastics (CFRP) -
mainly with cpoxy matrices - show a sensitive reaction to
impact damage which stimulated the cstablishment of a
cooperation programme within GARTEUR 1) Group of
Responsables for Structures and Matenals Studics in this
ficld had shown that DELAMINATION is a cntical
damage in this arca for airframe structures with principal
points of concern tendency of buckling of delaminated are-
as and potential growth of delaminations.

It should be stated that damage in compositc materials
and the crniticality of damaged arcas to the matenals
response are much more complicated than with metallic
materials, due to the presence of local defects which can-
not be avouded i practice and to damages onginating
under service conditions Nevertheless, based on the
knowledge from previous studics, 1t appears that delami-
nation - anising from whatever kind of ongin - 1s the gov-
erming faillure mode n airframe or aerospace structures.
Thus rescarch therefore was mainly focvrssed on the buck-
hing and growth af artificiaily delaminated areas of differ-
ent geomeirical sizes in narrow and wide CFRE - coupon
specimens while ene expe mental contnbution dealt with
impacted stringer-stiffened panels The mamn experimental
results were achicved by quasi-static loading, but in addi-
tion there was one ¢ ntribution on the dclamination
behaviour of multidircctional CERE speumens with arti-
fictally introduced delaminations under compression-com-
pressior and tension-compression fatigue loading

By concentraung on the compiession and on the com-
bined compresswn-shear load regime - for the coupon
and the pancl testiag respecti.cly - the investigations dur-
ing the cooperation have fully covered the buckling and
growth of defamirated arcas to gan a substantial degree
of insight and understanding of delamination growth
mechanisms. The expertment  work was performed with
advanced composites, t ¢ high strain carbon fibers in
toughencd cpoxy (nigh temperature cuning), and it was
attempted to correlate the results of the experimental part
of the insestigation with corresponding analy tical stadies
The results of the investigations on delamiation growth
under quast-static loading <how the influcnee of the
delamimnation size, the stack'ng sequence, the thickness
and the stuffness of the scparated subliminates. in all
cases buckling of the delammated areas oceured prior to
falure depending on the level of compression toading and
has heen the major contnbutor to strength of the test
caupons As far as fatigue loading s concerned. a new test
procedure enables the observation of 2 ¢ 1clevant damage
mechanims dunng the last cycles prior to farlure without
destroying the test specimens The influsnee of the depth
as well as of the diameter of delaminations could be made
cvident with special reference to faiture critical damage.

%) Group for Acronauticat Rescarch 1 Technology m Furope

2. Introduction

The work done at O. " E R.A. concerning the mechanial
behaviour of locally delamirdated compostte plates, sub-
jected to compressive loading was led with particular
attention for two featutes

®  Determination of the damage tate inside piies at the
viciity of delamination front Damage state means
the transverse microcracks development 1n the
matnx. A damage maodel 1s introduced in the const-
tutive law of cach layer Intcinal damage vanables
are defined by the relative stiffness 1eduction of the
matcnal.

® On the other hand, computation of cnergy releasc
rate along the crackh front This guantity s deter-
mined by the explicit calculation, at the front, of total
potential derivative with respect to nodal coordinates

With the theoretical tools implemented in the finite ele-
ment DAMSTRAT programme. a numenical simulaton
of a DLR (Braunschweig) test was detailcd The main
characteristics of the specimen behaviour were predicted,
cspecially the influence of local buckling on damage
de ‘elopment and crack appearance

From AEROSPATIALE (Toulouse) a contribulion was
made for an analytical calculation of the eritical buckling
load for the local buckling around a defect in a laminated
platc made of muludircctional lananac Based on the
pr.nciple of equilibrium the problem was narrowed with
an energy method by the expression of total potential
energy With a parametnc study as a function of external
leads and the mechani. al charactersstic matenal values
the influence of the plate on the delamination-zone was
determined, 1. ¢. the apparent Parsson s moduli The com-
putational work was verified on experimental studses car-
ricd out by ALROSPATIALE Suresnes (Laboratoire
Central des Suresncs) on artificially delamunated laminatc
plates under compressive loading

The computational work done at NI R dealt with the
prediction of tae local buckling and the subscquentls
o lamination growth of an artificially delaminated com-
posite specimen under compressive loading Use was made
of the non-hnear finite clement programme STAGS
Madelling and calculations followed closely the exper-
iments conducted 1n paralicl

The UK contribution to damage mechantes of composites
convisted of an experimental programme carnied out at
RAE and analytical studies carried out by Cambridge
Consultants T1d (CCHY under RAF funding The exper-
imental programme was to evaluate the effects of detami-
naton size and focation on gronth under quasi-static
loading  The analytial studics have been repotted 1n

3

The FRG contnbution consisted of an experimental
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research by MBB on impacted stringer-stiffened panels,

which was designed to show how the combined effects of

cnvironment and barely visible impacts do reduce the

failure strain achicved with unimpacted pancls, and a

threefold contribution by DLR's Institute of Structural

Mechanics (fSM (Braunschweig):

o 2 first experimental one was designed for the clastic
and strength properties determmation under different
environmental conditions for reason of the sensitivity
of matrix systems to temperature and moisture which
can reduce the compressive stiffness and strength of
undamaged laminates, tn addition the thermal and
moisture expansion cocfficients were determined for
that CFRE material, which was used 1n the delami-
nation test programme under static compression
loading to cxamine the parameters governing the
delamination growth and failure. A major aim in this
context was to set up a basis for the development of
analytical models, which are descriptive of the frac-
ture processes and can serve as predictive tools [4] .

¢ the second experimental one was carried out for the
investigation and understanding of delamipation
behaviour under cyclic loading because these are
essential for the application of compesite matenals to
high performance structures. In particular under ser-
vice loading spectra containing compressive loads the
buckling of delaminated sublamenates can Icad to
catastrophic failure by unstable delamwmation growth

[51.

®  the third was an analytical onc which was designed
for reason that the cvaluation of the post-buckling
behaviour of a compressed specimen by finite volume
clements is quite expensive and difficult to conduct.
Therefore an approximation method named Beam-
Lattice-Model (BLM) was gencrated, guided by the
measurcd forms of the delaminations [6] . The model
consists of two layers of beam lattices, coupled
around the delamination, see Figure 1. According to
the delamination growth, the coupling pomts at the
crach tip will be shifted to the actual delamination
front The level of stressing at this front is determined
by ERRs The delamination growths when the
ERRS, induced by the buckling of the blister, cnver-
step critical values for the material

u=0

bilg
[_1

-4~ Body

)
/
( <:" ~Reference
\ axes

|

l

Delanmination

YA

Figure 1. Beam lattice Model (BLM)

3. Experimental Research

The entire cxperimental programme was carned aut using
the carbonfiber-reinforeed epoxy materal mentioned i
Table |

Partner Materia) Test Component
AS 914C/T300 100/300 mm'
NLR 6376/T400H 100/250 mm*
RAE 914C/XAS 70/230 mm?*

100/230 mm’*
6376/T800H 751255 vnad”
6376/T800H 3007430 mm* stiffened

MBB 913C - 35 79012254 mm* stffened
913C - 40
OLR 914C/T300 12/135 mm? properties
40/380 mm® delamination

Table 1. Test Materials

The used different stacking sequences can be depicted
from Table 2.

Partner Laminate type l/lil Laminate type ii

AS {(0°] — 45°/90°/45°%)]s] see fn
NLR [0°/90°/45° — 45°],¢ | [90°/0°] — 45°/45°,¢
RAE {( 1 45°/0°/0°)3)5 [( £ 45°/90°/0°);)5
Panels [( 1 45°/0°/90°),];
MBB Stringers
[ £ 45°F[0°%] + 45°F]| [ 4 45°F/0%/ 1 45°F]
Skins
[0°,] + 45°,F] [0°%/ + 45°%F(0%]
DLR 10°,/45°/0%,]  45°/0°/90°)

[ #2°/45°] 1 2°) - 45%/0%/90°)5

[0°,/90°/07,45°10"]  45%)

Table 2 Laminate Stacking S

In the Laboratowre Central de Surcsnes of AFROSPA-
TIALE (AS) the cxperimental investigations were carried
out with laminated pancls The test preces were owilt-up
as 32-ply symmetric laminates Four different types of
dehberated delaminauons were used

®  rectangular arca of 25 by 25 mm
® circular area of 25 mm 1n diameter

®  ciliptical arca of 2 = 30 mm (oriented 1n 07),
IS mm

e clliptical area of a2 = 30 mm (oricnted in 907),
b = 15mm

These artificial delaminations were located at two posi-
tions in the pancls, between the 4* and 5* ply and
between the 8 and 9™ ply. respectively.

The pancls were tested under compression loading and
displacements were measured by LVD T« (Lincar Vanable
Misplacement Transducers) at the panel center on both
sides for delaminations at positton 1 and with strain gages
on both stdes of the pancis for delasumations at position
2.

At NLR experimental investigations were carried out with
wide test specimens. which were built up as a 24-ply
symmctric laminate The resulting arca of the crossection
15 300 mm?2 Artifiaal delamiations were sntroduced by
locally precuring the delammating plies at 177 °C for S
nunutes m a rectangular arca of 20 by 25 mm, located in

In [0°45°10°  45°[907/A5°907]  ASO°IASMG0°  A5NOM  45°90°/457 )




the center of the test prece, followed by a brush applia-
tion of two layers of a relcase agent, ROCOL. This tech-
nique came out as the most optimal ore 1n a preliminary
comparative study using specimens with NARMCO and
Hexel F-593 fibres.

The experimental programme was done in two phases. In
phase 1 a laminate with the stacking sequence Laminate |
(Table 2) was used The purpose of this phase was to stu-
dy the best way to deteramne focal buckhing and delami-
nation growth under compressive loading In combination
with the use of C-scans, scveral methods were used n this
phase. These methods consisted of the use of SPATE-
8000, a method based upon thermo-clastic measurements
during cyclic loads, of a grid projection method and of
out-of-plane measurement with a LVDT, mounted on a
moveable frame. Based upon these results and the caleu-
lations the laminate used for the phase-11 programme was
changed into the Laminate 11 1n Table 2 Ten specimens
were manufactured, five with an artficial delamimation
between the 4" and 5" ply, and five with an arufical
delamination between the 2™ and 3¢ layer. Back-to-back
strain gauges were apphed to determine the overall strain,
which was also determined by mcasuring the end-short-
cning. In addition, the grid projection method was used to
deternmine the out-of-plane deformation of the detam-
nated arcas.

Basic matenal tests were conducted to determine the ulti-
mate compression strength and Young < modulus of the
new laminate. Using a standard test configuration, the
longitudinal and transverse moduh were determined at
04 * strain.

fmual calculations indicated that the laminate stacking
sequence no. 1, used in the Phase I experimental pro-
gramme led to local buckling (= blister) of the delami-
nated phes mwards, ¢ g. in the direction of the sublami-
nate

In a first phase at RAE, Courtaulds XAS fibres in Ciba-
Geigy 914 resin were used to validate the specimen con-
figuration and to evaluate the effect of delamination

I
1 1850
Nimml

an

———

votengl 91471300
Stotking sequence (0312 20

Nurericol values  Avergge of §speniTens
with glanderd Ceviotian

Solted plone Surfate ¢! regress on
Figure 2 Longitudinal Comp ive Strength of UD CFRE Laminates
as Function of Temperature and K Content
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location in two different ply lay-ups A second phase at
RAE, using the advanced Toray TROOH fibres in Ciba-
Geigy 6376 resin, was designed primarily to examine the
cffect of imitial size of the delammmation on growth and
faslure.

In the stringer-stiffencd-panel tests, strain was measured
using foil stram gauges to ensure reasonable uniformity
of loading across the panel width and to allow delami-
nation growth data to be plotted against end strain One
of the coupon specimens was strain gauged to atlow data
from these specimens to be presented in similar manner

Out-of-plane movement of the delaminated matenal was
monitored using a shadow moiie technique. Each more
fringe 1s cffectively a contour of constant displacement
normal to the planc of the fringe plate (which ts arranged
to he parallel to the laminate) Changes in the fringe pat-
tern with increasing load were recorded on video tape. For
the stringer pancls, stil photographs were also taken at
frequent intervals durning the leading Comparison of the
final moire fringe pattern with ultrasonic measurements
of delamination size in unfailed panels confirmed that this
technique gave an accurate measurement of delamiation
width

The tests on stringer panels with implanted delamiations
were stopped when the delaminations started to grow
rapidly with onlv mtnor mcreases m end strain. The ces-
sation of the test at this point ensured that the fracto-
graphic evidence related to stable delamination growth
was not destroyed or masked by the final fracture process

Stringer-stiffencd pancls were manufactured {rom Mate-
rial 913C-35 and 913C-40 and tested under compression
and combined compression, shear loading by MBB For
reason to show that the combined cffects of environment
and barely visible impacts do not reduce the failure strain
actucved with ummpacted pancls at RT by more than
20 %, four impacted pancls were tested under service
conditions (70 "C wet structure).

At DLR s Institutc of Structural Mechanics (IfSM) uni-
dircctionat laminates out of 914C. T300 were tested to
cstablish four elastic constants and six «trength compo-
nents 1n dependence on temperature ard moisture con-
tents; i addition the thermal and moisture expansion
coefficients were determined for that CFRE matenal,
which was used n the delamination test programme in
order to take into account the prestress state in multdi-
rectional laminates With these characteristic values pre-
dictions of first-ply failures, ultimate strength and stiffness
propertics were exccuted and were checked against test
results from laminates with six different stacking orders
(not menttoned in Table 2). A short presentation of these
results are gnen here i form of general diagrams (carpet
plats) as a generalization for balanced and symmetrical
laminates built-up of 0, + 45~ and 90" plies for discrete
values of test temperature and and saturation moisture
contents (Figures 2. 3 and 4) More detailed mformations
are coptained in {7)

in a comprchensine test programme at DLR’s IfSM -
supported by an ESA/ESTEC-contracts {R,9] - the
behaviour of artificially introduced delaminations with
four different configurations of size, five depth of locaticn
under quasi-static comrpression and under compression-
compression as well as under tension-compression fatigue
loading was «tudied. From former mvestigations with
undamaged CFRP-lamimates {10, 11,12] 1018 well known
that teasion-compression loading represents the worst case
of loading conditions because of the mfluence of tension
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load induced damage onto the other damage mechanisms.
Thus, the damage devclopment tike matrix crack forma-
tion in off-axis plics under tension-compression loading
was of special interest

a W erem— s et
1

7 | P = -

Y = i

!m;. < ! wl:j___,,,;/ l “?_//gvfn- et e
0° oy tachen =7 AL
1 T iﬁgﬁ T

e { S % { o — -

et L1100 waerai $14C11206) ] :

e W00

atoen PRI T R

206 10% AN 1neCs0% e [~ aeunnan

11 1 A S S
-, W

", Jle oL, WEe M WL O m3, s Wi Sle 4P
Figure 4. Fallure Limits of [0°,f  45°./90%.), - CFRE Laminate
Family in Dep of Ply Fraction and Moisture Content
Test Temperature 23 °C
Compressive Loading

4. Analytical Research

The entire analytical programme was carrcd out using
different computer programmes, developed by or existing
at the different partners. More details of these computer
programmes can be taken from the hiterature at the end
of this paper.

At ONERA main tools were developed in the DAM-
STRAT programme. This program is essentially devoted
to the non-lincar computation of composite structures.
The principal functions are:

o  Non-hncar constitutive law: Damage model;

®  Encrgy release rate computation mn hnear and non-
linear cases.

e Composite structures computation with large dis-
placements.

A total Lagrangian formulation is used in this context. In
the isoparamctric finite clement coordinates and displace-
ments for any point of an clement are written in terms of
the nodal coordinates and displacements with hnear shape
functions in the thickness and 1n plane shape functions.
The use of such a kinematic cnables to take into account
average transverse shear strains, see Figure S.

The solutior: is reached owing to an aterative process
(Newton-Raphson methad) in the problem hifurcation
point and buckling made (sccondary path) of the spear-
men delaminated arca have to be determinea  This
realised by the use of an imperfection (very little force).

Figure 5 Average Transverse Shear
ONERA

The meaming of damage 15 the suffness reduction of
matcrial due to the development of microcracks. For
composite matenials, the damage growth is anisotropic,
because 1t 1s guided by rnforcement directions Identfi-
cation of the model parameters is achieved by mechanical
tests in which the loading phase ss interrupted by a load
decrease up to free stress state, in order to measure the
specimen stiffness reduction.

Because of the very different kind of layer failure occuning
in fiber direction and other ones, a multi-faslure cniterion
was developed Failure in fiber direction 1s brittle and a
maximum strain criterion is quite accurate For the Jayer
matnx mode of farlure, a criterion 1s derved from an
instabiity condition. The dernate of strain cnergy s
computed for nodes belonging to the delaminaton front

Perturbation is made only in the normal dircction to the
front hine

The ecnergy release rate computational method used,
requires the crack up fintte clement 1epresentation, shown
in Figure 6 Howcver to avoid too important degrees of
freedom, the two layers of clements are connected with a

1gle layer, by the mean of a penalty methed This con-
aection has to be applied at some distance from the crack
front, because of the resulting perturbation i kinematic
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Figure 6. Crack Tip Representation

ONERA

AEROSPATIALE used the total potential energy which
s the difference between the distortional energy and the
potential energy of the external loads The configurasion
of stable equlibrium corresponds to a punimum of cnergy
To determine the critical buckiing load the total potential
cnergy was developed in a Taylor serie around the cqui-
hibrium poation bhefore buckfing The vanationtl methad
of Rayleigh-Ritz was used to solve the cquatio * In Figure
7 the prinaiple and detasls of the modcl are shown
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In the second part of the study at NLR, computational
work was conducted with the Phase 11 lamnate stacking
sequence no. 11 (in Table 2) by adaption of special pur-
pose software for the calculation of energy release rate
distributions along the boundary of embedded cracks (by
the virtval crack extension method) to the MARC gencral
purposc programme package and the modclling of layered
plates for linear buckling anaiysis and for non-lincar pre-
and postbuckling analysis using the STAGS-code
Delamination growth 1s controlled, presumably by the
magnitude of stresses and strains around the delamination
boundary. These, theoretically singular, field quantities
are related, however, to a fimte total potential energy val-
ue. This cnergy value and 1ts gradient associated with
delamination growth can be computed by numcrical
methods,

Two scparate non-linear runs have to be executed with the
same loading and boundary conditions but with different
delamination extension sizes { one node realeased at cach
time ) At a certain load level the runs are stopped and the
<alutions of the last step of the two runs are used to
determine the cnergy release rate in order to obtain
accurate results, different values of the end tolerance used
in the steration procedure must be evaluated.

For symmetry rcasons only a quarter mode! of the speci-
men was used. Several models were investigated to study
the effect of clement size and constraint conditions

Use 1s made of transition clements and of additional cle-
ments to be used for delamination extension Al models
were discretised with ‘410 STAGS clements

The analytical resea 1 work from RAE, carned out by
Cambridge Consult . Ltd (CCL) under RAE funding,
demonstrated conclusively that hnear models were not
adcquate and that a non-linear large displacement sol-
ution incarporating local buckling effects was essential
New finite element modcls were developed to nclude the
phecnomenon. The carly models used 3-D sohd clements,
but the usc of such elements in a non-hncar analysis 15
prohibitively expensive and CCL concentrated on using
2-D plate bending clements. PACEF includes such an
clement with the capability to model multiple plics and
large dispiacements. The results have been checked for
some 1tems by a parallel set of analyses on the ANSYS
finite clement system, which gave very similar results,

Additional extensions to the PACEF programme were
implemented to alle » direct calculations of stress intensity
factors and strain energy release rate for orthotropic
materials.

The beam lattice model (BLM) developed by DLR [6]
allows a direct coupling of different lattices to cach other

65

due the fixing of the reference axes to the upper o fower
beam surface In the solution routine the prnciple of vir-
tual displacement 1s used to cquilibrate the nodal forces in
a beam lattice

imtially the specimen 18 plarar Only the tangenual dis-
placements cxst. Even though the loading of the specimen
orversteps the buckling foad F5 of the bliter, only the
quasi-lincar solution Zg, Figure 8, can be dernved by the
cquatior. for the hacanized system using the global suff-
ness matria and the nonhinear solution- and load-vectors

Figure 8 Buckiing of a Delaminated Spect
DLR - IfSM

In order to introduce the local buckling mode, the solution
Z, 15 augmented by the first eigenmode Z,, magnificd by
a scale factor A . In the algebraie system the eigenmode
correlates to a certain Pivot-clement, which changes its
sign during loading, Figurc 9.

7
Pivot « 0

Figure 9 Solution Scheme for BLM
OLR - IfSM

The Encrgy Release Rates (ERR<) were defined by crack
closure method Generally, the crack front intersects the
cross scction of the beam by an angle Therefore the
ERRs were transformed to crack tip coordinates, where
axcs are normal and tangential to the crack front, respec-
uvely, and where the third axe, distinguished by the nor-
mahty to the crack surface, remams unchanged By the
transformation of beam- to crack-up coordinates the G
values related to stresses are invariant,

For isotropic materials the stresses close to the crack tip
can be approximated by a planc strain state Similarly, a
modificd planc strzin statc was chosen for a multilayered
laminate, Figure 10,

S. Performance

Experiments

Duc to the huge amount of test results worked out during
the existence of this GARTEUR Action Group, only a
few results can be shown here.

The test results of AEROSPATIALE arc lawd down in the
Technical Report no. 50440/F of AEROSPATIALE
LCdS

o
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At NLR the specimens were quasi-statically loaded under
uni-axial compression in a step by step fashion, n which
the foad was controlled. At least once each test was tem-
porarily stopped in order to take the specimen out the
machine for C-scanning.

Three specimens of type I were tested under compression
and only one spectmen exhibited local buckling of the
delaminated area and, subsequently, delamination
growth. The two other specimens failed without experi-
encing local buckling This type of laminate has the prop-
erty that the 4-ply blister will move inwards against the
20-ply sublaminate. Laminate type 1l showed that an ini-
tially outward deformation of *ae blister would occur.

One results of the phase I' programme was, that locas
buckhing for specimens with the decper located delam-
nations did not occur 1n a consistent way.

Figure 11 shows the C-scan of a specimen’s superimposed
contour lines of the delamination at the highest load
achieved - 75 kN. At high loads the global deformation
of the specimen interfered with the local buckling mode
of the delamination. The out-of-planc deformation of the
center of the blister n relation to the backplane of the
sublaminate was measured by two LVDTSs normatl to the
specimen for the different specimens.
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At RAE laminate type | and Il (Table 2}, which are gen-
crically representative of military aircraft wing skins were
used. Artificial delaminations were made from folded
patches of teflon and were placed cither between the 2%
and 3" plies or between the 4* and 5* plics

The pritiary objective of the Phase 11 programme was to
make detailed medsurements of delamination growth, to
study the effect of initial sizc of the delamiuation and to
acquire information on the growth mechanism by fracto-
graphic cxamination of the tested specimens. In oider to
cvaluate larger delaminations, 300 mm wide pancls <tabi-
hised Ly foam-filied stringers were produced, see Figure
12, which is not typical of aircraft structure, due to a
design for stability of th 2 face sheet to high stramn levels
The artificial delaminatons in these pancls were 25 mm,
50 mm or 100 mm square. [n order to compare the effects
of single, artiticial delammnations with multiple, impact-
induced delaminations, one further stringer panct was
manufactured. An impact on the front face producing
damage of a conical form through the panel thickness
would be most representative of service conditions. The
panel was subjected to an R Joule impact on the rear face
whilst supported on ring support of 44 mm diameter. This
impact caused multiple delaminations a< shown in Figure
13.
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Figure 12. Foam-filled Stringer Panel
RAE
Plies 23-24
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Figure 13 Impact Damage In Stringer Panel
RAE

For all but the largest delamination in coupon testing a
single buckle formed in the delaminated plics resulting i



lateral growth with increasing end strain For the largest
delamination (100 mm square), a single buckle formed at
low load but this changed to a double buckle at an cnd
strain of about 0 15 %. Each of the buckles then gave nise
to laterial growth as indicated in Figure 14,

Figure 14, 100 mm Delamination, Growtt. vs End Strain (x 10")
RAE

MBB used for the rescarch on stringer-stiffened paneis
large scale structural elements, the dimension of which
can be taken from Figure 15 The four impacted ones
were the following:
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Figure 15  Typical Impact Panel (Stringer-Stiffened)
M8

e Test panel 19.02 was mmpacted at <ix poutions (3
stinger 3x mudbay) with a delammnation range of
140 — 1040 mm*. Materal. 913C-35

e “Fest pancl 19 06 was impacted at ninc positions (4x
striinger Sx midbay) with a delammation range of
495 — HO05 mm’ Materal, 913C-35

®  Test pancl 19.14 was impacted at seven positions (3
stnipger 4x mudbay) with a delamination range of
170 - 1484 mm’. Matenal 913C-40

e Test panel 19.16 was impacted at onc zonc several
times up to a delamination area of 6500 mm?
Material: 913C-40

Only test pancl 19.16 showed a delammnation growth
under loading and rupture due to the impacts

For the investigation at DLR s IfSM of the matenal
response of undamaged laminates under  quasi-static
compression foading, and n the presence of differeni
temperatures and saturation-noisture conteats, nine dif-
ferent laminaw veaiigurauons werd tested 4]

For the understanding of the delamination behaviour a
doubled A 4000 stretch selease foil was used from a halo-
gen release film for tugh temperature and high pressure
applications with a thickness of 40 ym  The delaminations
of 5.7 to 21 mm 0 diameter were placed mamly between
the sccond and third and the third and fourth phes In
some tests they were placed between tae 5” and 6™

6-7

6" and 7" and 7" and 8" plics An anti-buckling guide
was located at the coupon to remove gross out-of-plane
deformation. Two central windows of 26 by 35 mm at
both sides of the guide allowed local out-of-planc
deflection near the delamination The delaminations near
the surfacc first popped out nto a blhister, then they grow
as a whole and finally cracks appear disconnecting the
blister from the specimen at both sides of the delami-
nation, which change the buckhng mode from a two-di-
mensional form to a more onc-dimensional form. Fhe
change in the buckling mude is combined by an unstable
growth of the delamimation. More details ate presented

1.

Results depicted from Figure 16 shows the comparison of
1 T-cted gratings at the same load levels tor the lammnate
types 1 and 11 (Table 2 for DLR) for a more tolerant
delamination grow:h behaviour with well defined “musa-
lignment” of surface layers A detailed analysis for DLR
IfSM’s Lamtnate type II with an 11 mm delamination
between plies 2 and 3 1s shown i {9] .

Mawrnal 1300 944¢
Stacking sequence [0/ 45,0,/ =45/0/90]s (£2/45/32/ _45101901‘
lnt::,{acc m 34 ” 3
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Figure 16 Photographs of Reflected Giatings Under Different

Compressive Stress States (Specs under Load)
DLR . H5M

The tests under fatigue loading were onented towards the
statie tests The two muitidirectional 16 plies thick lamie
nate types [ and I (Table 2 fur DLR) were selected,
which were sufficiently studied e feruer imvestigations
[13] A third multdireciional lanunate was modificd n
1 2° phes in order to confirm the more tolerant <rack
and delamination growth of <uch a Lamiate noticed dur-
ing the static tests uader fatigue loading, sce Liminate type
1 1n Table 2.

From former fatigic tests on speumens without artificial
delaminations 1t is well known that the S-N-curves under
compression-compression and tension-compression exhibat
characteristic differences in the slape as depicted in Figuie
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In the casc of Laminate type 1 the onsct of delamination
growth was charactenized by the clearly audible tearing
of the two 0°-plies on the left and right border of the
delamination. The optical grating reflection method [14]
enabled the determination of time of onset as well as the
observation of growth rate with sufficient accuracy. in alt
investigations the beginning of growth in specimens under
R = — | was found to depend on the intensity of the stress
amplitude and takes place, therefore, at very diffferent
numbers of load cycles. Figure 18 shows this dependency
for delaminations of 11 mm diameter in the 2/3 laminate

type L.

Onse! of celominalion grewlih
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Figure 18. Onset of Delaminati , Lami Type {

OLR - I'SM

The investigation of the influence of large delaminztion
diameters on fatigue failure was of special interest with
respect to damage tolerant behaviour. Figure 19 shows a
plot of the Weibull distributions for comparison of 11 and
15 mm delaminations at the 5/6 interface of laminate type
I under maximum stress of + 450N/mm?.

Laminates of type 111 containing 15 mm delaminations at
the 6/7 interface show no growth of the artificial delam:-
nations, but unstable growth of "natural” delaminations
at the 2/3 interfaces. With types 1 and 111 no degradation
of the fatiguc lives by at 6/7 nterface introduced 15 mm
delaminations was found, but similar to type [ laminates
the 5/6 interfaces arc much more critical as can be scen in
Figure 20 .

Computation

At ONERA the O’Brien specimen [ + 35°/0°/90°F¢ was
used as an example to calculate the influence of damage
development insude phes on the energy release rate value,
sec Figure 21.

The sccond computation was done by modelling the lami-
nate type Il from Tablc 2 for DLR's specimen. The initial
delamination, penny-shaped in real test, was madelled as
A square shape area in the FEM analysis. Quadratic
shape functions were chosen, except for clements having

V. zrez 2zt omwngte 'yie I
£7937=C0ME18 8 ‘2 fut R w ot 3 mz 8D nfwmd
TE CeRTe It s2e/ineriace (o Smmy56)
+ 488l ceI=oc 30 sre/rtericce {Co tmm /i)

T

§2 —— - "
02 RN 'I "”
#— T
et ELNENY 474 I
RV 4 L
[
. L
; iy
g A - = 1]
. Ay VAN ‘o [ A
« AT A Al PR 1
N A AN -
VAR T 1
T

Peotarhehty of fumue %

~IN

! L ; i
Hern BEd - ¢ [N
Namzer €f Cries 'O fofure N m——
Figure 19. Comparison of Different Delamination Sizes
DLR - 1fSM

U tgrectorct tomnce eI
TeryInacemDresca ‘0Tgee R w =1 0 mz 480 =i
T er e coemnoien y2e/ - efoze (cm SmemySe€l
50 G ICOl €6 M oCIE” 978, te ‘e (CmiSmensgaT)

3 I 1/.:»
b % /]
b 77 17
b RNk | 17
» 117 L7
"2 -“‘ = I lL II ‘1’ l/l
g S— 17174 1| A —
T - 71 ' SUNEN A A Y
“ : 74 4 .
xS HA 71—
PSR { 7 A
i LA Ty
! /I/'f 1]
i Hil /1
: ! /]

'
|
|
i

H)
et 3 Ered 3 .o
Nomrer of Cptes I e N m——
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one side on the crack front. On this side linear shape
function were used. Special himit conditions are imposed
inside the anti-buckling guide regior.. By the use of a little
imperfection, the post-buckling behaviour of the blister
was got. The result was not far from expcrimental obser-
vation, even so finitc clement specimen idealization had
been quite simplificd

Bifurcation and non-linear analysis runs were conducted
at NLR to determine onset of local buckling of delami-
nated plics and to analyse the deformation of the different
components in the specimens in the longitudinal and n
the transverse directions. Figure 22 shows onc of the dis-
placement curves.

The computational work done by CCL for RAE and by
AEROSPATIALE will be showa in Chapter 6 Cotre-
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Figure 22. Results of Non-Linear Analysis
NLR

6. Correlation of Analytical and Experimental
Research

The computational simulation done by ONERA for the
DLR speamen with iaminate type 11 configuration take
into account that the main mode for delamination growth
is rotation mode. Duce to the fact that the critical energy
releasc rate G§ 1s a function of the angle @ between the
two fayers fiber dircction, the interface of which is delam-
inated, gave insight that a vanation of the critical G value
versus /2 had to be established. In Figure 23 the value
of f (f — criterion) s plotted for different reduction fac-
tors, at a load level of o = - 430N/mm?

The experimental and analytical results for AEROSPA-
TIALE s rescarch is shown in Figure 24 for laminate type
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Figure 28 Experimental and Computational Results for CFRE-Panels

Laminate Type |
AEROSPATIALE

I (Table 2 for AS) and 1n Figure 25 for laminate type 11
The numencal calculated values arc higher than the
experimental ones, cxcept i the case of a crcular delib-
crate delamination

In Figure 26 results of RAE expenimental research 16
demonstrated  The vanation in latenal width of the fringe
pattern is shown as a function of end stram for cach of the
specimens containing artificial delamiavons For <ome
of the specimens the inutial buckle did not extend the full
width of the delammation (the final points do not repre-
sent complete faillure) The stnnger panel tests were
stopped prior to failure to prevent post faillure damage

Figure 27 shows the buckle amplitude versus end stran
for cach of the specimens The perturbation in the cunve
for the 100 mm delaminativn « sresponds to the change
from a singlc to a douhic burle,

Figure 28 shows the extermental results obtained by
MBB on stringer-stiffened panels together with the faiture
critenia which can be used 1t can be concluded by this this
rescarch - including impact tests - that the combined
cffects of cnvironment and barcly visible impacts do not
reduce the failure strain achicved with unimpacted pancls
at RT more than 20 % (70 "C wct structure)
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7. Conclusions

O YY) RIMTIRET T

A

Having studied the compressive buckl:ng and the subsc-

quent growth of defects and damages in detail 1t is now
possible to predict the buckling and growth of single-plane
delaminations with rseasonable accuracy. Very large
amounts of computer time were required by such detailed
analysis if it was extended to include muluple delami-
nations and other damage forms in order to model impact
damage. In addition the coupon tests showed that single-
planc delamination growth was accelerated by the damage
mechanism matrex cracking m the adjacent phes under
quasi-static and fatigue loading This is particular true
with ten<ion-compression fatigue where in some cases the
matnx crack formation in off-axis plies, rather than the
artificial delamination, seems to induce the compressive
failure. With respect to damage tolerance considerations
some configurations of delamination states proved to be
non-critical. Experimental results on large integraily stff-
ened pancls scemed to show that delamination growth
might not be the primary cause of failure in impact dam-
aged full-scale structures Single-plane delaminations close
to the surface grow and may cause carly failure in mate-
rral coupons but in large pancls they will precipitate fail-
ure only, if at all, at very high strain levels It appears that
other damages in the sublaminate can precipitate the fail-
ure of wide pancls whercby the buckling of surface plies
anly causcs some load redistribution

Only small msight 1in and therefore lack of complete
understanding and modclhng of the intcraction of the
damage mechanisms single and multiple delamination with
matrix cracking and impact damage cxists.

8. Outlook

Since DAMAGE TOLERANCE BEHAVIOUR of

CFRP is important for Composite Designs the governing

failure mechanisms should be determined in relation to

structural clements or structures and from the first objec-

tives (including fracture analysis by SEM 2) methods as

existing, sce for cxample Figure 29) - as histed below - sig-
0" ply

{predominantly
made | fractue)

toad Q°phy
(predeminantiy
mode § tracture)
Autioat

delamwnation)

Mode 3
serpensicuar to lead

Mode B
towarés 1nad

Figure 29. Fractographic Results for Delamination Growth

In CFRE Test Coupon

upper part Top View

lower part Cross Section AA

RAE
nificant cffort can be put into the development of analyt-
ical modcls for a rescarch on the damage propagation n
composite structural clements and real structures, may be
in a follower GARTEUR activity:

I.  Tests on structural pancls (typical aircraft stuctural
panels) with cxperimental modclling of defects to
investigate the damage mechantsms single and muti-

) SEM = Scanmig Flectron Microscop, BEM = Bounderv Flement Method E1:M = Timte Flement

Method




TN

The

ple delamnations and low energy impact.

Tests and analysic with impact damage together with
failure analysis under dynamic loading for static and
fatigue aspects by using 2D and 3D failure critenia
and application of BEM 2) to create special elements
for FEM 2).

Failure analysis {incl failure criteria) of crack growth
in notched speciin~s (holes and sharp notches)

ultimate aim must be to formulate acceptance criteria

based on experimental research with the goal to estabhsh
a damage classification on theoretical foundations
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BUCKLING AND POST-BUCKLING BEHAVIOR OF A DELAMINATION IN A CARBON-
EPOXY LAMINATED STRUCTURE : EXPERIMENTS AND MODELLING

D.GUEDRA-DEGEORGES, S.MAISON, D.TRALLERO
Aérospatiale. Louis Blériot Joint Research Center
92152 Suresnes Cédex, France

J.L.PETITNIOT
Institut de Mécanique des Fluides de Lille (ONERA)
59045 Lille Cédex, France

1. SUMMARY

This paper presents results of a study aiming the
following objectives :

- experimental identification of sensitivity to local
buckling and characterization of post buckling
behavior of a delamination in a plate under com-
pression.

- to perform non linear three dimensionnal finite
element computations in order to establish local
buckling loads, shape of the blister, load levels and
direction related to the propagation of the
delamination.

Two shapes of defect (circle and elliptic) and one
stacking sequence of a 24 plies quasi-isotropic
laminate in T300/914 material have been
investigated.

Artificial delaminations have been located in the
thickness of sample between 3™ and 4 ply.
Anexperimental device to assess accuratelybuckling
loads and shape of the blister during propagation
has been developped.

Fracture mechanics was used for computing by
finite element method the strain energy release
rate G and partition G,, G;, G, all around the
delamination during post-buckling.

A propagation criterion based on G,, G, of the
material set up in Aérospatiale has been used for
the assessment of load levels and direction related
to the propagation of the delamination.
Comparisons between tests and computations are
also performed and it is shown that computations
are able to predict accurately load levels and direc-
tion related to the propagation of the delamination.

2. INTRODUCTION

Many researches into buckling-compression
behavior of composite with a delamination are
running at the moment because of the compression
design of aeronautical structural parts. This work
has therefore been achieved in relationship with

the aircraft division of Aérospatiale.
Delaminations can occur during the material
processing or under external loading of the struc-
ture during service : impact of foreign bodies or
mechanical loading of the structure.

Many works dealing with local buckling have been
achieved but at the moment there is only a few work
describing the behavior after buckling of such
delaminations.

The aim of this study is to set up a numerical
methodology based on finite element analysis and
fracture mechanics able to predict load level related
topropagation ofadeiamination usingapropagation
criterion established in Aérospatiale.

Special test apparatushasbeen developpedin order
to follow up the propagation of the delamination
and geometry of the blister (without contact laser
diode transducer, acoustic emission) during com-
pression loading.

Comparisons between tests and computationshave
been achieved and show thatthe numerical strategy
proposed is able to predict accurately load level
related to propagation of delamination and also its
direction.

3. EXPERIMENTAL

3.1 Materials

The laminate of this study is made of the folowing
pre-preg:

- Fibre TORAY T300B 6k / Resin CIBA-GEIGY 914
3.2 Stacking sequence

One stacking sequence of a quasi-isotropic 24 plies
is studied : [(45/135/0/90),)_,
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Fig 1: Sample dimensions
Nota : the heels are made of 3 (+45°) glass plies
3.3 Defect simulation

We consider 2 defect shapes :

* circle (& 30 mm)

« elliptic (main axis 45 mm, minus axis 20 mm)
- elliptic main axis oriented O° (axis effort)
- elliptic main axis oriented 90°( L effort)

The area of all defects is 707 mm?.

Defectsarelocated between 3 and 4 ply (interface
0°/90°) at the middle plane of the sample and were
created with two superposed thin polyethylen films
(25 um thick each).

8.4 Test equipment and description

Tests were performed at I.M.F.L. at room
temperature with a 100 kN INSTRON machine.
Loading speed was 0.1 or 0.2 mm per minute.

A special anti-buckling device was developped
reducing dimension of window from 100 mm x 100
mm to 92 mm x 74 mm (see figure 2).
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Fig2: Anti-buckling device and axis

Onewithoutcontactlaser diode transducerislocated
on each face of the sample. Displacement of these
transducers are controlled by computer allowing
the measurement of out of plane deflection of the
whole plate (see figure 3). Data acquisition is stored
at some chosen load levels.

This instrumentation allows an accurate
determination of the blister geometry and also of
the propagation load.

A camera is also used to follow the test and acoustic
emission is used for selected samples.

Fig 3 : View of test fixture and laser diode
transducer

Remazl inelocal bucklingof artificial def

Preliminary tests showed that local buckling (with
instantaneous propagation) occured at the same
time than global buckling for a load level greater
than expected by computations as if the defect was
bonded.

The assumption made is that vacuum performed
duringmaterial processinginduces vacuumbetween
both films of polyethylen result being an additional
effort needed when loading the sample to balance
the difference of pressure.

It is the reason why a small hole was drilled in the
without defect side of the sample which allowed for
all following tests expected behavior.




Nota : This method is acceptable because in a real
structure even if vacuum is performed a
delamination is never made of two superposed films.
In our case contact polyethylen-polyethylen is
obviously very dependant of the pressuredifference.

3.5 ‘Test results

In order to be as clear as possible the only circular
defects will be described in this part. Behavior of
other defects (elliptic) is almost identical and main
results are given in table 1.

3.5.1 Deflection versus load

Transducers are in this part located at point P on
each side of the sample (see figure 2). Out of plane
deflection are measured on each sideofthespecimen.
Difference between both measures gives the height
of the blister (figure 4).
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Fig 4 : Out of plane deflections versus load

Local buckling load is about 1000 daN, first
propagation about 5468 daN. Rupture load is 8685
daN (determination of the loads is made by using
the change of curve slopes).
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3.5.2 Mapping of out of plane displacements of both
sides of the whole sample

In this part the test is stopped at some load levels in
order to measure by displacement of both
transducers(stepis 0.1 mmon X and Y axis) the out
of plane deflections of the sample.

The interest of these mappingsis to give an estima-
tion of the propagation load of the defect, to follow
up direction of propagation and to provide data
directly comparable to the computations.

As an example mappings (figure 5 and 6) are given
at load 4500 daN and 6000 daN for the circular
delamination.

Fig 6 : Mapping at 6000 daN (propagation)
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These mappings confirmthat propagationisbetween
4500 daN and 6000 daN (good agreement with
results given by figure 4).

3.5.3 Acoustic emission

Acoustic emission has also been perfomed on some
samples usingtwo transducers located on both side
of the specimen.

It has been found that acoustic emission was very
important at propagation of the delamination.
This technique seems to be a good indicator to
determine load related to local buckling and also
load of first delamination propagation.
Anexampleofacousticactivity of the samplerelated
to the propagation of an elliptic delamination is
given figure 7.
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Propagation
Fig 7 : Acoustic activity related to propagation of
an elliptic delamination
3.5.4 Synthesis of test results - discussion

In table 1 loads related to local buckling and to
propagation for all defect shapes are reported.

One can remark scatteringconcerninglocalbuckling
loads.

Some cross sections of the geometry of the blister
(Ox and Oy cross sections) always show the same
geometries and a dissymetry between Ox and Oy
cross sections.

Concerning the propagation load it is not easy to
determine it accurately. However curves load - out
of plane displacement added to acoustic emission
and camera follow up allow determination of good
assessment.

There is a good coherence between all results and
there is no significative sensibility to the defect
shape when looking at it's propagation : all defects
have quite the same propagation load and related
directionisalways nearperpendicular totheloading
direction.

It also must be noted that propagation of the defect
is always associated to an increase of the bending of
the plies located under the defect.

4. COMPUTATIONS

The only circular configuration ofdefect is described
in this part.

4.1 Fracture mechanics

Fracture mechanics deals with behavior of struc-
ture containing cracks. Its main objective is to
predict condition of propagation of a defect (load
related to propagation, stability or instability of the
propagation).

The elastic linear behavior of the material studied
(carbon fibres + epoxy resin) and small displacements
assumption when computing strain energy release
rate allowvs the use of Linear Elastic Fracture

Identification Local Propagation Mechanics.
of sample ] buckling load load
65EC3 2000 daN 5772 daN The stress fields can be separated 1n three simple
65 EC 4 1000 daN 5316 daN modes nearthe delamination edge : in planestresses
66 EG 2 835 daN 5468 daN gives opening mode called mode I (fig 8), in plane
66 EG 3 - 4500 daN< <6000 daN p
66 EG4 1220 daN [4500 daN< <6000 daN
67EP2 1215 daN 5316 daN
67EP3 - 4500daN< <6000daN )
67EP4 2582 daN | 4500daN< <6000daN i
. N . Aay|Aa ]
Table 1 : Main quantitative experimental data >
)

Nota :EC means circular defect
EG means elliptical defect, main axis 0°
EP means elliptical defect, main axis L 0°

shear gives shear mode called mode Il {fig9) and out
of plane shear gives mode III (fig 10).
Fig 8 : Mode I (opening mode)
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¥4%,:9 : Mode II (in plane shear)

Fig 10 : Moc. II (out of plane shear)
4.1.1 Strain energy release rate

A parameter which can characterize crack
propagation is the strain energy release rate G.

G is defined as follows:

G=—0Ep/6S (1)
where 0Ep is the variation of the potentizi energy of
the structure and 8S is the variation of the crack
area for an infinitesimal propagation.
It can be showed that G can be written :

G=8U/88 (2)

where 8U is the variation of elastic energy of the
structure,
G is a computed value related to a virtual crack
propagation. The quantity that characterizes the
propagationisthecritical strain energy release rate
called G, which hastobe determined experimentally.

Comparison of G and G, can allow the prediction of
the crack propagation :
¢ if G>G, there is propagation
o if 8G/5S<0, propagation is stable
o if 8G/8S>0, propagation is unstable
¢ if G<@, there is no propagation

The use of this simple concept is not so easy for
laminated composite structures. Indeed G, depends
on material, loads, defect geometry and can also
change along the delamination edge. It is therefore
necessary to express G, as a function of intrinsic
values of the material to avoid characterization of
each defect configuration.

The solution to this problem is to separate G in its
three basic modes: G=G+G;+Gy,

and to apply a material criterion based on intrinsic
G,, Gy and G, .
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4.1.2 Propagation criterir:n

G,.. G, and G, beingconsidered asintrinsic values
of the matenrial, the aim of this part is to establish a
relationship as :
G=flpartition, G, G,,,, Gy,) )
Nota :
o Partition is the amount per cent of mode 1,
mode 2 and mode 3.
o Experience (ref 1) showed that for carbon-
epoxy materials G, is much higher than
G, and G,. This fracture mode will be
therefore neglected in the following parts

A complete set of tests has been achieved with
varying values of partition in order to establish the
prior relationship. Tests performed were Double
Cantilever Beam for mode 1, End Notched Flexure
for mode 2, Mixed Mode Flexure and Crack Lap
Shear for mixed mode.

Different partitions are obtained for the two last
samplesby changing thelocation of the delamination
in the thickness of the sample. The partition is
determined by Finite Element Computations.

As an example different rates studied and respec-
tive configurations are showed in figure 11.

Sampl - . Mode 1] Mode
* - % %
| 1] 4 95
&, 8 plis CLS 8
r —1 § 21 78
W&, 16 plis CLS 16
I
i 42 58
& 24 pliu CLS 24
¥ ot Ty
i —T 51,5 48,5
16 plis MMF 16
IY o v |ss |2
l \
< 4,24p1i- M F24 &
] { ] e1 |3

Fig 11 : Computed partitions for tested configura-

tions

When we plot G/G, +G,/G,,, as afunction of mode 1

percentage we obtain as a first approach :
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G/G GG =1 (1)
One can express differently this propagation
criterion:
Let tgu=G/G, and G=G;+G;
It comes:

Ge=(1+tg0)G, Gy /(G HgaGy) (fig 12)

Glle G

Fig 12 : G, as a function of o (related to mode
partition)

This expression of the criterion shows thatthe only
knowledge of G, and Gy, allows the determination
of G, related to the propagation of a delamination
once mode partition is determined.

Prior study has shown that the criterion proposed
gave good results (ref 2).

4.2 Finite element computations

In case of complex structures (geometry, loads, non-
linearbehavior)itisnecessary to use finite element
method to determine G and its partition. This is the
aim of this part.

4.2.1 Description of the problem

The part of the specimen modelized is limited to
100mm x 100mm (tabs not modelized). A circular
delamination (@ 30 mm) is located under 3 plies.
The three-dimensionnal multi-layers elements of
SAMCEF code are used. Problem is considered
geometrically non linear (Riks algorithm is used for
resolution). Computer is a VAX 6510.

4.2.2 Mechanical properties of the unidirectionnal
tape

E,,=140000 MPa v,,;=0,31
G,,=5700 MPa
E,,=10000 MPa v,,=0,48
G,,=6700 MPa
E,=10000 MPa v,,=0,31
G,,=3600 MPa

11 : fibre direction
22 : transverse direction
33 : thickness direction

Ply thickness : 125 um
4.2.3 Defect modelling

Two three-dimensionnal multi-layers elements (8
nodes) are disposed in the thickness of the sample :
one for the unner skin (3 plies) and the other for the
outer skin (21 plies). Lower nodes of upper element
are the same as upper nodes of lower element in the
“no defect” region.

Lower nodes are different from upper nodes in the
defect region. They have the same co-ordinates but
there is no link between the respective degrees of
freedom which allow the defect to buckle :

upper skin

X outer skin

3 plies element 0 21 plies element

a 0
Fig 13 : Mesh strategy for modelling the defect
4.2.4 Mesh and boundary cond:tions

Mesh is made of 348 elements with refinement near
delamination edge.

Delamination edge

imposed displacement
fixing of freedom degree

—\

Fig 14 : Mesh and boundary conditions
4.2.5 Non linear computation on global structure

Non linear computation is perfomed on the whole
structure (16 increments of load - about halfan hour
CPU time, VAX 6510). Out of plane displacement of
point P on each side of the sample versus load is

L



presented in figure 15.
Load (daN)
8000
\ ]
7000 | Yithqut deféct si1dg I
6000 »
5000 ‘ d—
ith d%:ect side
4000 (buckding)
3000 \

Pk

2000

1000 I /' Qut of plane
1]

displfcemert (mn))
03 01 01 03 05 07 09

Fig 15 : Out of plane displacement versus load

Computed local buckling load is about 950 daN.
As an example it is shown at figure 16 shape of
structure at 5761 daN (fifteenth increment).

Fig 16 : Deformed mesh at 5761 daN (x10)

Loading direction

4.2.6 Computation of strain energy release rate G

1t has been shown that G could be written :
G=8U/8S

In the frame of finite clement analysis and for a

“small” crack propagation G can also be

approximated :
G=Ep(a+4a)-Ep(a))/aa (5)
where : ais the crack length
Aa is the propagation length
Ep is the potential energy of the
structure

This method needs two computations :
o one for a crack which length is a
@ a another for a crack which length isa + 4a

In order to decrease CPU amount of such a
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computation, simplification can be made by
considering that only stiffness of elements in the
vicinity of the delamination edge is affected by the
crack propagation. This hypothesis verified in prior
studies (ref 2 ) allows very important reduction of
the size of the problem when computing Gby working
only for this step on a reduced structure delimited
by the delamination edge.

Taking account of this hypothesis G can be written :
G=-1/2(Ep,,, . (a+0a)-Ep, . (a) (6)

Inour case the problem is geometrically non linear,
This means that extraction of reduced structure
must be achieved with special care. The cut struc-
ture mustbe asfar as possible of non linearbehavior
imposing a mesh refinment near the edge
delamination (fig 17).

Location of cut

B Ay

A: high non linzar part
B: “nearly linear” part

i >

Fig17:Location of cutimposed by nonlinearbehavior

Implementation of the previous method with finite
element code SAMCEF

o Step 1

Non linear computation of the whole structure
including initial delamination as described
previously.

o Step 2

For each load level computed in step1:

- extraction of reduced structure (fig 18)

- linear computations on reduced structure
Displacements extracted from non linear
computations are applied on the r>duced structure
external skin.

Fig 18 : Reduced mesh used for G computation

This step provides Ep,,,,_(a)
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o Step 3

Pertubation of each delamination edge node loca-
tion (one by one) of Aa. (Virtual Crack Extension
method)

e Step 4

Linear computation of the perturbed reduced struc-
ture.

This step provides Ep,, . (a+Aa)

o Step 5

Computation of G for each node (equation 6).

Nota : a special program has been developped in
Aérospatiale in -der to automatize step 2, 3,4 and
5. This program only requires as input nodes of
delemination edge, perturbation Aa and its direc-
tion.

Remve.rks on Aa choice

® previous studies showed thst direction of pertur-
bation has a very slight effect on G calculation (ref
3).
e A convergence study has beer performed on Aa
length and it's influence on G (fig 19).

Fig 19 : Local G as a function of Aa

G (J/m2)
5001
4001
300
200 s
100 +—rrrrm—rrrrer—rrrren—r =T rmm

,000001,00001,0001 ,001 ,01 ,1 1

Delta a (mm)

Aa equals 10 mm for all G calculations.
G computation results

Local G values around the edge delamination are
presented at figure 20 for 3 load levels. These
results conduct to assume that propagation direc-
tion will be near the perpendicular to the loading
one.

G can also give some information on propagaticn or
no propagation of delamination by comparing its
valuetcthe smallestof G, , G, ,, G, (here GIcequals
180 J/m2). This conservative prediction is
nevertheless niot able to provide accurate estima-
tion of load related to propagation of the
delamination.

250 J/m2
Fig20:Local Gvaluesaround the edge delamination

We now need partition cf mode to get more accurate
information on direction of propagation and to be
able to apply the propagation criterion proposed.

4.2.7 Computation of mode partition

Let see the differences with computing G.
estepl
Non linear computation of the whole structure is of
course always the same start point.
o step 2
For each load level computed in step 1 :

- extraction of reduced structure

- linear computation on reduced structure.
Displacements extracted from non linear
computations are still applied on reduced struc-
ture.
The difference in this step is the reduced structure
for the following reason : for G calculation the
Virtual Crack Extension method was used. This
method doesn’t allow the partition determination.
At this time the delamination propagation is
obtained by detaching superposed nodes located
aheadthedelamination edge(the propagation length
is therefore imposed by first element ahead
delamination edge length).
This means that we need one more finite element in
the reduced structure. The raduced mesh used for
partition computation is presented at figure 21.

Fig 21: Reduced mesh used for partition computation




At this step superposed nodes ahead delamination
are detached.

This step provides displacements u, v and w
(respectively u', v' and w' for superposed nodes) of
each node near ahead delamination edge.

o step 3

Superposed nodes are attached. A linear
computation is performed.

This step provides reaction R,, R, R, of each node
near ahead delamination edge.

e step 4

Calculation of mode partition:

where atthistime 1,2and 3 arelocal axis depending
of the node (see figure 22).

Gl(a)= 12bAa F1(y, -y )
Gli(a) = 1/2bA a F2 (v2 -v2 )
Glll(a) = 1/2bA aF3 (w; -w; )

1
A
Z x
Fig 22 : Local coordinates around delamination
edge
Partition results

Computed partition is given for three load levels at
figures 23, 24 and 25.

Gy value is not reported but its contribution is
always below 10%. This confirms that the contribu-
tion of this term can be neglected in the criterion
(considering furthermore that G, value is very
high).

We can notice an evolution of the repartition G, G,
when increasing the load level.

Nota : G increases especially when global bending
of the sample appears in the computation. This
tends to prove that bendingbrings propagation (see
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remark § 3.5.4).

% mode 1 % mode 2

100

Fig 23 : Mode partition around delamination
(F=2780 daN)

Fig 24 : Mode partition around delamination
(F= 4388 daN)

% mode 1 100 % mode 2

Fig 25 : Mode partition around delamination
(F=5761 daN)
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4.3 Prediction of propagation

Let'snow apply the propagation criterion previoulsy
described at the different load levels. Criterion
equals 1 at 5761 daN (figure 26). This means that
propagation of the delamination should occur at
about 5800 daN.

Location of the
first propagation

Fig 26 : Critexion around delamination
(F=5761daN)

When looking at the shape of the criterion one can
also predict that propagation will occur at a direc-
tion near the perpendicular (about 70°) to the
loading direction. }

5. COMPARISONS BETWEEN TESTS AND
COMPUTATIONS

Because computation doesn't take into account the
propagation of the delamination the only part of the
curves to be compared is below propagation load.

o Curves out of plane displacements - loads (figures
dand 15)

There is a good agrcement between experiments
and computations especially when comparing the
Lauckling skin of the sample.

Nota :More global bending of the specimen is
observed duringtests than predicted by computation
(probably due to boundary conditions).

o Blister shape

A comparison between Ox and Oy cuts of the blister
hasbeen achieved both for tests and computations.
These investigations showed that there is a good
agreement between tests and experiments for loads
below propagation of the delamination (same shapes,
same displacements and same dissymetry).

e Propagation of the delamination

Predicted propagation load is 5800 daN.

When looking at experimental curvesdisplacements
as function of loads, propagation loads are 5316
daN or 5772 daN depending of the sample. Qut of
plane displacements mappings confirm that
propagation load is between 4500 daN and 6000
daN and acoustic emission reveals propagation for
loads about 6000 daN.

We can therefore consider that numeric strategy
used and propagation criterion proposed are able to
provide a good prediction of the propagation of the
delamination.

Let's now compare criterion values around
delamination edge (fig 26) and exp.orimental out of
plane mappings at 6000 daN and 7450 daN (fig 27):

0o . PG TR~
.ooﬂb ’
- [V

Fig 27 : Mappings after propagation .




This comparison reveals that computation is also
able to predict direction of the propagation

CONCLUSION

The objective of the study was to set up a numerical
methodology based on finite element analysis and
fracture mechanics able to predict load level related
topropagation of adelamination under compression
using a mat rial criterion established in Aérospa-
tiale.

One quasi-isotropic stacking sequence (24 plies) of
a carbon-epoxy material was studied. Two shapes
of defect (circle and elliptic) located under 3 plies
were considered.

Tests were performed with special instrumentation
(LM.F.L.) allowing to follow up the propagation of
the delamination and the geometry of the blister
(without contact laser diode transducers).
Geometrically non linear fully three-dimensionnal
composite finite elementanalysishasbeen achieved
and special programs developped in Aérospatiale
used in order to establish the strain energy release
rate G and its partition (G,,G;,,G,) all around the
delamination edge. Criterion developped in Aéros-
patiale was also applied.

Comparisons between experiments and
computations show a good agreement. In particular
it shows that numerical methodology usedis able to
establish a good prediction of the propagation load
and also its direction,

Such a methodology should be very useful in case of
delamination in a real aeronautical structure when
quantitative and also qualitative information are
needed to analyse detected delamination defects.

*Thisstudy was supported by STPA/ EGdepending
on french defense ministery,
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ABSTRACT

A new approach independent of stress intensity factors
and fracture toughness parameters has been developed
and is described for the computational simulation of
progressive delamination in Polymer Matrix composite
laminates. The damage stages are quantified based on
physics via composite mechanics while the degradation of
the laminate behavior is quantified via the finite element
method. The approach accounts for all types of
compositc  behavior, laminate configuration, load
conditions, and delamination processes starting from
damage imtiation, to unstable propagation and to
laminate fracture. Results of laminate fracture in
composite beams, pancls, plates, and shells are presented
to demonstrate the effectiveness and versatihty of this
new approach.

1. INTRODUCTION

It is generally accepted that composite structures wita
delaminations fail when local delaminations grow or
coalesce to a critical dimension such that (1) the laminate
cannot safely perform as designed and qualified, or (2)
catastrophic laminate fracture is imminent. Any
predictive approach for simulating delamination fracture
in fiber composite laminates needs to formally quantify:
(1) types of local delaminations, (2) the types of stresses
which initiates them, and (3) the coalescing and
propagation of local delaminations to critical dimensions
for imminent laminate fracture.

One of the ongoing research activitics at NASA Lewis
Research Center is directed toward the development of
a methodology for the "Computational Simulation of
Delamination Fracture in Fiber Composites Laminates”.
A part of this methodology consists of step-by-step
procedures to simulate individual and mixed mode
delamination fracture in a variety of generic composite
components (Refs. 1, 2, and 3). Another part has been
to incorporate these methodologics into an integrated
computer code identificd as CODSTRAN for composite
durability structural analysis (Refs. 4 and 5). The

objective of this report is to describe the fundamental
aspects of this new approach and to illustrate its
application to a variety of genenc composite laminate
and structures.

The generic types of composite laminate delaminations
tllustrated in this report arc those that would occur in:
(1) single and combined mode fracture in beams, (2}
laminate free-edge delamination fracture, (3) laminate
center flaw progressive fracture and (4) plate and shell
structural fractures. Structural fracture is assessed by one
ot all of the following indicators: (1) the displacements
increase very rapidly, (2) the frequencies decrease very
rapidly, (3) the buckling loads decrease very rapidly, or
(4) the strain energy release rates increases very rapidly.
These rapid changes are herein assumed to denote
sufficient delaminations for imminent global structural
fracture.

In the present approach computational simulation is
defined in a specific way. Also gencral remarks are
included with respect to (1) application of this new
approach to large structures and/or structural systems,
and 2) lessons learned about conducting such a long
duration research activity, with regard to increasing
computational efficiency, gaining confidence, and
expediting its application.

2. FUNDAMENTALS

This new approach to structural fracture is based on the
following concepts.

L Any laminate or structural component made
from this laminate can sustain a certain
amount of delamination prior to structural
fracture (collapse).
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2. During  dclamination  propagation, the
laminate exhibits progressive degradation of
laminate intcgrity as mecasured by global
structural behavior variables such as loss in
frequency, loss in buckling resistance or
excessive displacements.

3. The critical delamination can be characterized
as the 2mount of damage beyond which the
laminate integrity degradation is very rapid,
induced by either (1) small additional damage
or (2) small loading increase.

4. Laminate delamination damage |is
characterized by the following sequential
stages: (1) initiation (2) growth, (3)
accumulation, (4) stable or s!ow propagation
(up to critical amount), and (5) unstable or
very rapid propagation (beyond the cntical
amount) to collapse.

These concepts are fundamental to developing formal
procedures to (1) identify the five different stages of
delamination (2) quantify the amount of damage at each
stage and (3) relate the degradation of global laminate
behavior to the amount of damage at each stage. The
formal procedures included in this new approach are as
follows:

1. Delsmination Stages Ideptification: (1)
Delamination initiates when the local stress
state exceeds the corresponding material
resistance (2) Delamination grows when the
stress exceeds the corresponding material
resistance on the delamination periphery for
every possible failure mode. (3) Delamuination
accumulates when multiple cites of
delamination coalesce.  (4) Delamination
propagation is stable or slow when small
increases, in either the delamination
propagation or loading condition, produce
insignificant or relatively small degradation in
the structural behavior (frequencies, buckling
resistance, and displacements). (5)
Delamination propagation 1s unstable or very
rapid when small increases in the
delamination propagation or in loading
conditions produce significant or very large
changes in the global structural behavior
variables (frequencies, buckling resistance, and
displacements).

2. Delamination Quantification: The amount of
delamination is formally quantified by suitable
modeling of the physics in the periphery of
the delaminated region in order to keep the
laminate/structure in equilibrium for the
specified loading conditions, structural
configuration and boundary conditions. This

part of the procedure is most conveniently
handled by using computational simulation in
conjunctionwithincremental/iterativemethods
as will be descnbed later.

3. lcmina*e Structural Behavior Degradation:
This part of the procedure is quantified by
using composite mechanics in conjunction with
the finite element analysis. The delamination
stages are quantified by the use of composite
mechanics while degradation of the structural
behavior 15 quantified by the finite clement
method where the delaminated part of the
structure does not contribute to the resistance
but is carried along as a parasitic material. It
is very important to note that nowhere in this
approach was there any mention of either
stress intensity factors or fracture toughness
parameters  This new approach by-passes
both of them. However, use is made of the
structural fracture toughness in terms of
global Strain Encrgy Release Rate (SERR)
because it is a convenient parameter to
identify the “critical delamination amount”.
The critical global SERR in the context of
present approach is descnibed subsequently.

The fundamental concepts described previously are
concisely summanzed in Figure 1. The steps are few and
simple and the parameters for "cnitical delamination” are
readily identifiable.

The combination of composite mechanics with the finite
clement method to permit formal description of local
conditions to global structural behavior is normatly
handled through an integrated computer code as shown
schematically in Figure 2. The bottom of this figure
describes the conditions of the matenal (microstress
versus resistance) and where the critenia for delamination
initiation, growth, accumulation and propagation arc
examined. The left part integrates (synthesizes) local
delamination conditions to global structural behavior
(response). The right part of the figure tracks
(decomposes) the effects of global changes (loading
conditions for example) on the loca! (micro) matenal
stress/resistance. Increases in delamination are induced
at the micro level while increases in the load conditions
are applied at the global structural model. Overall
structural equilibrium is maintained by iterations around
the "cart-wheel” until a specified convergence is reached.
Implementation of the new approach to track the various
stages of delamination is illustrated schematically in
Figure 3. The final result in terms of load versus global
displacement is shown in Figure 4. The schematics in
Figures 1 10 4, collectively summarize the fundamentals
and implementation of this new approach to composite
delamination fracture and also to composite structural
fracture in general. Applications to specific

structures/components are described in subsequent
sections.




3. BEAMS

The new approach has been applied to three different
types of beams: (1) Double cantilever for opening mode
delamination, (2) end-notch-shear for shear mode
delamination and (3) mixed mode delamination. Typical
results obtained are summarized below. The details are
described in the references cited for each specific
application.

1. Double Cantilever - A typical result from applying
this new approach to a double cantilever for opening
mode delamination is shown in Figure 5 (Ref. 1).
For this simulation, a pre-existing delamination (one
inch long) was assumed across the beam width. A
small amount of delamunation growth/accumulation
(about 0.05 inch) had severe effect on the strain
energy release rate (SERR-G). Rapid delamination
occurred to about LI2 inch beyond which the SERR
incrcased very rapidly indicating unstable
delamination propagation to complete delamination.
Referring to Figure 1, the critical delamination for
this beam is less than 1.0 inch length (a) and less
than 1.0 psi-in structural fracture toughness (G)
These values are in the range of those experimentally
measured by using the double cantilever test method
(about 0.8 psi-in at 1-inch crack length).

2. End-Notch-Shear - Typical results for shear-mode
delamination in a beam, as can be measured by end-
notch-flexure, are shown in Figure 6 (Ref. 1). A pre-
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drives the delamination to beam splitting while the
shear mode reaches a stable propagation state.
Referring to Figure 1, the cntical stouctural fracture
parameters are about 1.15 inch for "a” and about 3.3
psiin for "G". These are about five and eight
percent smraller, respectively, compared to shear
Mode (Mode 1i) delamination.

A typical result for the second type of mixed mode
delamination is shown in Figure 8 (Ref. 2). The
curves plotted in this figure are for critical values
obtained from Figure 1, that is, when the damage
propagation state becomes unstable. The indwvidual
mode contributions were obtained by the local “crack
closure” technique. A few interesting observations
are: (1) The teanng mode (III) 1s insignificant
compared to the other two; (2) Mode 1 contributes
the nost and; (3) superposition of the three modes
does not equal that of the total. This again indicates
that the global fracture parameters appear to be
more representative indicators of laminate/structural
fracture. The other important observation is that the
unsymmetric laminate configuration can be used in
the end-notch mixed mode beam to measure the
teaning mode. This is a simple test method indeed.
The authors are not aware of any measured results
obtained by using this test method. Collectively, the
results from the different beams demoii.i.ate that the
new approach is readily applicable to these types of
composite structures.

existing delamination of one inch across the width 4. PANELS
was assumed for the simulation. A rapid
delamination growth/accumulation took place to
about Ll inches followed by a stable delamination

propagation to about 1.18 inches. Beyond this point,

The new approach has been applied to computationally
simulate structural delamination of composite pancls
subjected to in-plane loads. Typical results for three
the delamination propagation became unstable. Note types of delamination are described to demonstrate
that the range of measured data is indicated by the apphcation of the procedure

horizontal dashed lines. Note also that the local (Ref. 3).

crack closure techn'que, which is commonly used 1n
fracture mechanics studies, is also shown with the

1. Edge Delamination - The physics and stress state of

dashed curve. Applying the criteria in Figure 1, the
critical fracture toughness parameters are from the
global curve about 1.18 inches for "a” and about 3.5
psi-in for "G". Those from the local curve are about
1.2 inches and for "a" and 2.5 pst-in for "G". This
example 1illustrates the difference between local and
global quantities. It 1s worth noting that the local
method requires about three times the computer
time compared to the global.

Mixed Mode Delamination - Two types can be
simulated: Shear (Mode II) combined with opening
(Mode I) and opening (Mode 1 combined with shear
(Mode I1) and with tearing (Mode IiI}. A typical
result for the first type is shown in Figure 7 (Ref. 1).
This figure illustrates that the global method does not
distinguish how much each mode contributes. It 1s
necessary to use the local closure technique to
quantify the simultaneous contribution of each mode.
An interesting observation is that the opening mode

e

cdge delamination in compositc laminates are
schematically illustrated in Figure 9. The
delamination processes and their quantification using
global parameters is shown in the schematic in Figure
10. Typical results obtamed for laminates from three
different composite systems are shown in Figure 11.
This type of delamination grows/accumulates rapidly
to about six percent of the area and then reaches a
stable state. This stable state implies: (1) That a
specific composite Jaminate will have a unique critical
delamination parameter and (2) edge delamination,
induced by predominately tensile in-plane stress, will
not lead to panel collapse or disintegration.
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Referring to Figure 1, the parameters for stable
damage state are about seven percent area
delamination for all composite systems and about 35,
50 and 70 ps-in for S-G/IMHS, AS/HMHS, and
AS/IMHS composites, respectively.  Additional
observations from Figure 11 are that the structure
fracture toughness depends on fiber type (difference
in S-G and AS for the same matrix IMHS) and
matrix (HMHS and IMHS for the same fiber AS).
An important conclusion is that this new approach
provides a relatively simple formal procedure to
cvaluate and/or identify fiber/matrix combinations for
specified structural fracture toughness.

Edge-Pocket-Delamigation - Edge delamination is
usually preceded by transply cracks which can occur
in several locations simultaneously thus formung
pocket-type delamunations along the edge. These
types of delaminations can be simulated the same
way as described previously except that they
represent a form of multisite delamination initiation,
growth, accumulation and propagation. Typical
results for structural fracture toughness are shown in
Figure 12 for three different composite systems.
Several interesting aspects of fractere progression can
be observed in this figure. (1) Pocket delaminations
grow rapidly inward to about five percent n
delaminated area. (2) Stable delamination occurs
inward to about twenty percent in delaminated area.
(3) The pocket delaminations coalesce as indicaicd
by the jump m “G". (4) The accumulated
delamination grows with a decreasing rate to a stable
level of about forty-five percent 1n delaminated area,
and (5) the propagation exhibits stable behavior
beyond this delaminated area. The structural
fracture toughness value after stabilization is the
same as that for stable edge delamination. The
important conclusions are: (1) this new approach
provides sufficient information to identify/quantify the
delamination fracture process from imtiation to
structure/component collapse and (2) it 15 readily
adaptable to multiple site delamination miiation.

Internal or Embedded Delamination - This type of
delamination 15 a result of the fabnication process or
damage sustained by inadvertent normal impact. In
either case the delamination growth, accumulation,
and propagation can be simulated by using this new
approach. Typical results are shown tn Figure 13 for
the three different composite systems. An important
observation is that substantial internal damage (up to
fifty-five percent in delaminated area) occurs with
negligible increase in the global SERR. Keep in

mind that this panel and delamination results are for
tensile in-plane load which does not cause local buckling.

The results from the panel clearly demonstrate that
the new approach for structural fracture is readily
adaptable to these types of delamination fractures
including those 1mitiated at internal ludden sites.

5. EFFECTS OF DELAMINATION ON LAMINATE
STRUCTURAL INTEGRITY

The effects of delamination on laminate structural
integrity (structural integrity degradation) are evaluated
by plotting changes in the structural integrity variables
such as: (1) increases in displacement, (2) loss in
stiffness, (3) Joss in vibration frequency, and (4) loss in
buckling load versus percent of delaminated area. Plots
for all of these are available in Reference 3 for different
laminates, for each of the delamination types (center and
off-set), and for cach of the three compositc systems
(AS/IMHS, AS/THMHS and S-G/IMHS). One typical plot
15 shown in Figure 14 tor buckling load. This plot is
simular to those for axial stisfness and vibration frequency
and complementary to that for end displacement.
Collectively, the results indicate the following general
trends: (1) practically linear decrease in the structural
mtegnty variables with increasing percent in delaminated
area, (2) the rate of structural integnty degradation (dx)
with respect to delaminated area (dA), (dx/dA) is less
that 20 percent, (3) the higher the fiber modulus n the
compusite the lower the degradation rate, and (5) the
vibration frequency exhibits the lowest degradation rate
while the axial stiffness 1s the greatest. One important
conclusion from the above discussion s that the
computational simulation procedure described heren is
effective in evaluating the structural integrity degradation
of laminates with varnous types of delamnations.
Furthermore, since the method is pot restricted to the
cases studied it should also be equally as effective for
composite structures in general.

6. PLATES

This case is selected to illustrate the effects of damage
propagation on vibration frequencies and buckling
resistance as well as the effects of hygrothermal
environmenis.  Treical results obtained by using
CODSTRAN (Fig. 2) arc shown n Figures 15 (Refs. 6,
7, and 8) where the schematics of the plate and the
various hygrothermal environments are also shown. The
important observations are: (1) The reference case, at
room tempesature and without moisture, exhibits the
least amount of damage accumulation compared to the
other cases; (2) moisture alone has a negligible effect on
fracture load but increases the damage extent to fracture;
(3) combined temperature and moisture (hygrothermal)
decrease the load to fracture but permit substantial
damage accumulation to fracture; (4) both the vibration




frequency and the buckling resistance decrease very
rapidly as the fracture load (structural collapse) is
approached; (5) the hygrothermal environments degrade
the structural behavior of the plate; and (6) the buckling
resistance is the most discriminating structural behavior
for hygrothermal degradation.

The impontant conclusion is that this new approach
provides the formalbm to simulate complex
environmental effects from the micromechanics to
structural behavior. That 1s, the temperature and
moisture affect the matrix locally while the composite
mechantcs and the fimte element method integrate these
local effects to structural behavior (buckling resistance in
this case).

7. PLATES UNDER NORMAL IMPACT

A composite square plate (3- by 3-in.j, supported along
its four edges is loaded by a concentrated normal
dynamic load at the center (Fig. 16(a)). Large
deformations are included in the computational
simulation. The laminate configuration is +45/-45/-
45+45/, with a total composite plate thickness of 0.02 in.
All edges have been restrained against displacement in
the z direction in all cases. Within this constraint, two
types of support conditions are considered. In the first
type, support nodes are allowed to move in the x-y plane
(the plane of the undeformed composite plate). In the
second type of support, boundary nodes are restrained
against displacement 1n all directions. The first and
second types of support conditions will be referenced to
as released and restraied supports, respectively (Ref8).

The concentrated transient load s assumed to increase
linearly with time until global fracture of the composite
plate occurs. Three loading rates are considered. These
loading rates are 0.J, 2.0 and 3.5 Ib" :c. Figure 16(b)
shows the dynamic load-deflection historics at these three
rates for the first type (released) boundary support
conditions. The displacements are very small for the first
load increment because of the farge inerual load
umparted when the structure is initially set in motion.
Also, the higher the loading rate, the smaller the
displacemsnt because of the higher inertial force. After
the first load increment, there is a dramatic increase in
displacement, especially for the 0.1 Ib/usec loading rate.
In this case, the time is sufficiently long for the enuire
plate to be set in motion. After a center deflection of
approximately 0.3 in. membranc forces become
significant and the incremental deflections are reduced.
It may be noted that even though the support nodes are
free to move in the x-y planc, membrane effects are
developed due to the restraint of boundary nodes in the
z direction and the square geometry of the plate. If the
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support nodes were not restrained in the z direction, the
corners of the plate would lift up and fold along the
diagonals to allow for a truly unrestrained deflection of
the plate without membrane forces.  The load
corresponding to 0.3 in. center deflection 1s 60 Ib. This
loading level also causes initial local damage in the
composite laminate (ply 1 - tne first ply on the tension
side of the plate). The .mtial damage is caused by the
ply transverse tensile stresses reaching their limits.

Next, the same loading at the same rates 1s appled to
the composite plate with the second type support where
all boundary nodes are restrained from translation in all
directions.  Figure 16(c) shows the load-deflection
relations for the three loading rates applied to the plate
with the restrained support. For the 0.1 Ib/usec loading
rate, membranc action becomes much more important
compared to the case of released supports and the
displacements are sigmficantly reduced as the restrained
boundaries do not allow the majority of the plate to
participate in transverse motion. Soon after the initial
setting of the plate 1n motion, inertial forces become
neghgible becausc the loading rate 1s relatively slow.
CODSTRAN analysis shows at 0.07 1n. center deflection
at the end of the first load increment, under 30 Ib load.
Dunng the next load increment, damage 1s imtiated at
the center node 1n ply 1 by reaching the stress hmit 1n
the transverse tensile stress. The 60 Ib load that ininiates
damage is the same as what was required to imnate
damage under the released type support condition.
However, the displacement under the load 1s only two-
thirds of the displacement under the released support
case. A summary of the failure modes caused by the
loads in the two different plates 1s in the table on the
lower part of Figure 16. The important observation is
that the damage 1s primaaly by transverse ply cracking.

8. SHELLS

CODSTRAN is used to simulate the damage nitiation,
growth accumulation, and propagation to fracture in a
composite shell with through-the-thickness as weli as
partial initial defects and subjected to internal pressure
with hygrothermal environment.

Through-the-Thickness Defect - Typical results for a
through-the-thickness nitial defect are shown in Figure
17 (Ref. 9). The results m this figure show that: (1)
Shells subjected to internal pressure sustain relatively low
damage accumulation to fracture compared to other
structural components; (2) shells are less tolerant to
hygrothermal effects compared to other structural
components; (3) the vibration frequencies of the shell do
not decgrade rapidly as the fracture pressure is
approached and (4) hygrothermal environments have a
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significant effect on the vibration frequencies of the shell.
An important obscrvation is that composite shells with
through-the-thickness defects subjected to internal
pressure, exhibit a brittle type behavior to fracture with
relatively negligible delamination. This explains, in part,
the successful application of Linear Elastic Fracture
Mechanics to internal pressure type structures.

9. CONCLUDING REMARKS

The salient results of an investigation of the fracture
toughness of general delaminations in fiber composites
are as follows:

1.

A new approach has been developed to
computationally simulate the fracture
toughness (strain energy release rate (SERR))
i fiber composites with various
delamunations.

Free-edge delaminations do not lead to
laminate catastrophic fracture under tensile
loadings.

Multiple free-edge delaminations are possible
in thick laminates. The SERR for single and
multiple delaminations is about the same.

Pocket free-edge delaminations arc unstable.
They rapidly coalesce into continuous
delamnations along the free-edge.

Interior delaminations have no effect on
lamnate fracture toughress in tensile stress
fields untl they extend to the free edges.
Then, their effects arc the same as those of
free-edge delaminations.

Lammate structural integrity in terms of:
axial stiffness, buckling load and wibration
frequency, degrades lincarly with increasing
delamination arca. The rate of degradation is
less than 20 percent. It is the highest for axial
stiffness and the lowest for vibration
frequency.

Increasing the fiber modulus increasc the
degradation rate of the laminates structural
integrity while increasinz the matrix modulus
has the opposite effect.

Hygrothermal environment  affects  the
delamination initiation in plates with through
cracks. However, these delaminations have
negligible effect on the plate’s structural
integrity up to about 70 percent of the
fracture load.

Hygrothermal environments severely affects
the delamination propagation in shells with
through cracks.

¢, C. C. Chamis and G. T. Smith:

. C. C. Chamis:
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TOUGHNESS IN COMPOSITE STRUCTURES
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Delamination Damage and Its Effect on Buckling of
Laminated Cylindrical Shells

R. C. Tennyson and S. Krishna Kumar
University of Toronto Institute for Acrospace Studies
4925 Dufferin Street
Downsview, Ontario, Canada
M3H 5T6

SUMMARY
The development of delamination damage in thin GFRP
circular cylindrical shells subjected to lateral impact was
investigated experimentally. Two distinct modes of
delamination response were observed. The threshold
energy for transition from one mode to another was
identified and its relation to shell geometry and ply
orienmion studied.  Axial compression tests were
d on i d cylinders to determine the
degradation in their buckling strength. Comparisons were
made between the effects of real and simulated damage
(using embedded Teflon® inseris). Image Enhanced
Backlighting and Structurally Embedded Fiber Optic
Sensors were employed to detect and map out the internal
delamination damage zones.

1. INTRODUCTION

Du-ing recent years it has been recognized that a major
weakness of light- wexghl fxber-remforccd laminate
construction is its p y 1o impact d

Delamination, or inter-laminar fracture, is one of the major
modes of failure characterizing fiber reinforced laminate
composites. Inter-laminar deboncing primarily reduces the
stiffness of the laminate, which significantly reduces the
performance of the structure under bending and compressive
loading. In addition, the presence of delamination in
faminates loaded in compression also makes them
susceptible to delamination buckling, ie, the separation
and local buckling of the delaminated layer (1.4] This
phenomenon can precipitate catastrophic failure, since the
buckling induces delamination growth, which in tum
promotes further buckling and global weakening of the
laminate.

A major source of delamination in composites is low
velocity impact damage, especially that caused by blunt-
headed projectiles. The damage induced may be barely
visible, but can produce as much as a 40% reduction in the
static and fatiguc strength of laminates {5, 6). The
majority of investigations in this area have been conducted
on planc laminates and the effect of impact damage and
delaminations in curved pancls and shells, particularly on
their buckling performance, has only received scant
attention. Recent analyses have indicated that
delamination buckling can occur in cylindrical shells
subjected to axial compression [7, 8] or external pressure
[9] at loads far below their pristine strengths, depending
upon the transverse location and size of the initial
delamination. Experimental studies using Teflon® and
Mylar® inserts in curved cylindrical panels showed 20 to
35% reduction in axial buckling loads, although no

delamination growth was teported [10). An analytical
investigation on delamination buckling in axially loaded
cylindrical shells {8) has yielded results similar to those
obtained for plane laminates, predicting the onset of
instability at loads as low as 25% of that of the undamaged
specimen.  However, the occurrence of local buckling in
cylinders with delaminations has yet to be observed
experimentally.

This paper presents a study on the effect of delamination
damage, in particular that ansing from low velocity
impact, on the load carrying capacity of thin composite
cylindrical shells under axial compression
Experimentally the work involved four phases: (i) creation
and of del ion due to lateral impact on
circular cylinders; (ii) manufacture of cylinders with
implanted Teflon® inserts simulating various delamination
sizes md shapes; (i1i) evaluation of cylinder buckling

h as a function of damage state (real and sxmuhled),
and (xv) evaluating the influence of delamination size on
buckling strength and correlating real/simulated damage
effects.

2. EXPERIMENTAL SETUP AND TEST
SPECIMENS

2.1 Test Specimens

The test specimens were manufactured with glass fiber
reinforced epoxy (3M SP-1003) unidirectional prepreg,
using a belt wrapping machine to facilitate rolling of the
matenal onto an aluminum cylindrical mandrel  Each she.
was then bagged and cured at 175°C with a vacuum and
external pressure of 500 kPa for two hours. The cylindrical
specimens had a mean radius (R) of 100 mm, average
thickness of 0.19 mm per ply with an average length (L) of
150 mm (see Table 1). Each cylinder consisted of 8 plies,
in & symmetric, balanced layup (+452, -452)s. To provide
3 clamped end constraint, each shell was mounted nto 25
mm thick aluminum end-rings, using a Hysol
TE6175/HD3561 epoxy system

2.2 lmpact Tesl Faclllty

AT d for low velocity impacts
(lcss than § m/s) and capnble of delivering 1mpact energics
of up to 150 Joules, was used for the impact tests, The
impactor was designed to accommodate different
hemispherical heads with radu of curvature ranging from
12.7 w 102 mm (1/2 to 4 inches). The input and rebound
velocities of the impactor were measured using a reflective-
type Object Sensor (TRW OPB 125A) mounted at the
location of maximum velocity of the pendulum and
connected to an Apple Computer whose ntemal clock
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Table 1
Spectications and Impact Data for Buckling Test Specimens
Shell Impact | Delamination
Thickness Length Energy Area Buckling
Shell No. {mm) (mm) (Joules) (sq.mm) Load (KN) Remarks

S102 1.600 265 103.6 Control specimen

S$103 1.600 127 104.7 Control specimen

S108 1.575 149 39.5 4203 90.3 Impact test

$109 1.575 149 100.1 Control _speciaten

S110 1.575 149 39.7 3964 90.1 Impact _test

Sit 1.575 152 4925 94.3 Diamond-shaped
implant

S112 1.575 138 100.1 Control specimen

S113 1.575 140 22080 79.7 Full-length implant

S114 1.575 140 3087 91.7 Diamond-shaped
implant

§115 1.600 140 88316 78.1 Axisymmetric
implant

S116 1.600 145 45735 17.9 Full-length 1mplant

S117 1.600 145 104.6 Control specimen

S118 1.549 140 40.3 3618 82.3 Impact test

S120 1.549 147 69480 72.3 Full-length _implant

S121 1.549 145 34270 74.1 Full-length implant

S122 1.549 65 96.9 Control specimen

S124 1.549 143 39.9 3157 88.1 Impact test |

S125 1.549 144 68060 72.3 Axisymmetric
implant

S126 1.549 146 11500 82.8 Full-length implant

$127 1.524 145 13710 76.5 Axisymmetric
implant

S128 1.524 145 27420 70.7 Axisymmetric
implant

$129 1.524 145 45690 71.6 Axisymmeltric
implant

S131 1.524 120 93.7 Control _specimen

S139 1.524 155 93.9 Control specimen

S140 1.524 160 41.3 7069 81.4 Impact _test

S141 1.524 156 41.0 7555 77.4 Impact test

Radius = 100 mm. Lamination sequence: 8 ply (45,45.-45,-45)g for all shells.

{with a frequency 1.0 MHz) was u .d for the ume
measurement. Cahbration tests showed that the measured
nput velocity and the estimated impact energy were within
1% of the theoretical values computed from energy
conciderations of the compound pendulum. Table 1
presents a summary of the tests conducted. including the
mcasured delaminauon areas for various impact cnergies.

2.3 Cylinder Models -»ith Implanted
Delaminations

Intenal delamination damage was stmulated by embedding
thin sheets of Teflon® (thickness less than 0.025 mm)
between the second and third innermost plies of the
cylinders. This iterface was chosen to conform with the
location of the delaminations created in the mmpact tests.
In two of the shells, di d-shaped impl were placed

at the mid-section. These were approximately the same
size in area as the real delaminations produced by impact.

In all the remaining specimens the inserts covered either
the full length or the enuire circumference of the sheil
Table 1 provides a summary of the implanted
delaminations used 1n this investigation.

24 Delamination Mapping Techniques

Two optical damage assessment technmiques were
employed to map the delaminations generated in the shells,
both prior and subsequent to compression buckling tests.
2.4.1 Damage Detection with Image Enhanced
Backlighting
Delaminations were mapped using a simple but highly
effective optical damage assessment system, known as the
Image Enhanced Backlighting Technique [211] The
techmque 1s specifically suited to mapping of
delaminations, but 1s applicable only to translucent
materials. It basically nvolves 1lluminating the specimen




from behind (prior to impact), and capturing the image
created by the transmitted light with a CCD camera. The
information pertaining to the delamination is extracted
from chang d by its p in the transmitted
intensity. Briefly, the process consists of recording the
images of the specimen taken before and after the impact,
subtracting them digitally and then selecuvely enhancing
the grey scale values to provide the desired definition and
sharpness in the image of the delamnation. Although the
backlighting method does not provide data regarding the
depth at which delaminations occur, its sensitwvity makes
it possible to distinguish between delaminaticns at
different interfaces. The use of this techmque permitted
multiple impact tests to be performed on a cylinder, by
ensuring that each delaminauon zone was confined to a
local area in the shell wall.

24.2 Damage Assessment Using Fiber Optic
Sensors
In many of the shells, the Structurally Embedded Fiber
Optic Damage Assessment System [12) was employed to
map the delaminations. The cylinders were bonded into
specially designed mounting rings, which facilitated the
optical ﬁbers emerging from the cyhnder ends to be
to a coh hight source, while permitung
axial loading of the cylinder without stressing the fibers.
The optical fibers were embedded between the first and the
second innermost plies, perpendicular to the fiber
onientation in these phes They were subjected 1o an
etching treatment developed at UTIAS {12] to tailor therr
strengths to match the damage threshold level of the
composite. The fracture locations of the opuical fibers were
pn-pointed by the profuse bleeding of light upon
interrogation of the fibers using a laser source after the
mpact event and were mark ed to obtain a discrete mapping
of the delaminated area.

3. EXPERIMENTAL RESULTS

3.1 Impact Test Damage

Preliminary tests performed on shells with different
thicknesses and ply orentations, employing impactor
heads with different radn of curvature, estabhshed that the
curvature of the projectile head played a cnitical role in
determining the extent of delamination It was found that
there 1s a hmiing value for the radius of curvature of the
hemispherical head, when this was exceeded, no
delamination was produced, even when energies were high
cnough to cause severe transverse cracking and fiver fatlure
in the cylinder. The limiting radius was determined to be
25 mm and 51 mm for 6 and 8 ply shells, respectively.
Although all impactors with smaller radii induced
delaminations, the least amount of transverse cracking on
the front and rear surfaces of the shell occurred when the
curvature was the least, hence the impactor with the
limiting radius of curvature was employed in the majonty
of the tests.

The particular lay-up employed for the 8 ply shells had
only two distinct interfaces between phes of dissimilar
orientations, where delaminations could occur:  one
between the second and the third plies, and the other
between the sixth and the seventh phies  The response of
the shells being predominantly in the flexural mode, the
damage was primanly induced at the innermost interface,
while the delamination at the outer interface, when present,
was restricted to a very small area. The geometry of the
delaminations gencrated belonged 1o two distinct
categorics depending upon the magnitude of the impact
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energy. At energy levels below & threshold value, the
induced delamination had the classical “peanut” shape
ususlly observed in impact tesis on flat plates {13],
whereas at energies above the threshold level, it had an
extended “Zee" shape, as seen in Figs. 1a and 1b,
respectively, The latter shape, not mcnuoncd hitherto 1n
the literature, was generated repeatedly and istently 1n
a number of cylinders, and hence identified as a
characteristic response specific to cylindrical laminates
subjected to impact energies above the threshold level
The straight edges of this delamination, which are typical
of this mode, are caused by the presence of transverse
cracks in the two innermost plies of the shell wall, which
restrain the inter-laminar crack from propagating sideways.
It may be noted that the lunbs of the “Zee™ shape as well as
the major axis of the “peanut” delamination, are oriented at
45° to the shell axis, i.e., parallel to the fibers in the
lamina immediately below the interface, as predicted by the
Bending Stiffness Mismatch [13] and Peel Separation [14)
models for delamination. The extended shape in Fig. 1b1s
clearly due to the action of peel forces descnbed in the
latter model, 1ts peculiar asymmetry appears to be caused
by the difference in suffnesses in the axial and
circumferential directions of the shell.

Apart from geometry, the major difference between the two
modes of damage 15 1n the size of the delamination area.
The peanut-shaped ones are much smaller by comparnison.
In Fig. 2 impact energy s plotted aganst delamination
area for a number of 8-ply shells having a length of about
150 mm. It can be seen that the two modes are separated by
a large gap The eanut-shaped delaminations are all below
1000 sq@ mm in size while the Zee shaped ones exceed 2600
sq mm The threshold energy 1s seen to be just under 40
Joules. The direct relauonship between impact energy and
damage size established ecarlier for peanut.shaped
delaminations {13] appears to hold good, even in the
present, case,until the threshold level is reached. At this
point there is a2 drastic increase n the delamination
growthandicating a sudden instability in crack
propagation. This instability 1s associated wich the
change 1n delamination mode  Above the threshold level
the delamination size once again appears to be
proportional to the magmitude of energy as indicated by the
nsing curve n Fig 2 However, in this region, the shells
suffered a considerable amount of extrancous damage 1n the
form of intra-larunar cracks, which also increased in
proportion to the energy. This limited the possibility of
creating ‘clean’ delaminations of larger size by increasing
the impact energy.

8
&

I-—50 mm-—-J

L 109 mmr !

Fig. 1. (a) "Peanut and (b) ertended delaminations.
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The results plotted in Fig. 2 were obtained from tests
performed on different shells. Subsequently, results were
also obtained by conducting a series of impacts at different
locations on the same shell, which are plotted in Fig. 3.
This shell had a length of 145 mm. Again, the sharp
transition from one mode to another can be observed at a
threshold level of about 38 Joules. The similarity between
the lower and upper portions of the curve suggests that the
rates of growth of the Peanut and Zee delaminations are
about the same, although at higher energies there 1s
additional intra-laminar damage.

The threshold level for transition between the modes was
observed to be related to the shell geometry as well as ply
configurauon. In Fig. 4, the delamination area 15 plotted
against impact energy for shells of three different length-
to-radius ratios. At L/R = 0.6, the shell was too short to
develop the extended delamnations. The threshold level 1s
seen to have nisen from about 38 to 48 Joules, between
LR= 15 and LR = 2.7. The relationship between
delamination area and impact energy for shells of the
(+452, -452), lay-up used 1n the buckling tests are
compared with those of shells with (0,0,90,90)s and
(90,90.0.0)5 1ay-ups in Fig. 5. The zero-ninety shells are
seen to require impacts of much higher energies to develop
extended delaminations, while the ninety-zero lay-up
requires lower energies  Also the transition from one mode
to another is not well defined 1n these cases. Morcover, the
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Fig. 2. Vanation of delamination area with impact energy
In tests conducted on fourteen ditferent shells.

Impactor Energy (Joules)

tmpact data of shelt SI17
L Lamination  (+45,,-45))¢

40 . & 1

0} /"ﬁ

20 Delamination Type. 1
s ‘Peanut®
o Extended

0 " A A N

impactor Energy (Joules)

0 400 200 1200 1600 2000 2400 2800 3200 3600

Delamination Area (sq.mm)
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extended delaminations in these two cases were not Zee-
shaped, but merely clongated 1n the axial direction of the
shell.

The results obtained with fiber optic sensors in one of the
shells (S30) are shown szlong with the image of the
delamination mapped by the backlighting techmique in
Fig. 6. The two results appear to agree quite well although
some of the optical fibers have been fractured outside the
delamination arca, perhaps due to thewr over-sensitivity
The test was conducted with a 51 mm dia. impactor using 41
Joules of energy.

3.2 Compression Buckling Tests

The buckling tests were undertaken 1n a four-screw Tinus
Olsen loading machine with a load capacity of 250 KN. A
summary of the buckling results 1s given in Table 1 for
cylinders after they had been subjected to lateral impact as
well as for those ¢ ning implanted delaminati
experimental results are presented in graph form in terms of
a “knockdown” factor which 1s the rano of the buckling
load for cylinders with delaminations to those of control
shells of the same geometry without any delaminauon

tions. The

It was observed that in shells with the peanut-shaped
delaminations, no appreciable reduction in buckling
strength occurred  However, the shells with the Zee-shaped
delaminations showed 10 to 15% degradation 1n strength,

80 v
20 Delamination Type |
a A @ ‘Peanut”
M =06 0a Extended
° A N R s
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Fig. 5 Effect of ply onientation on impact damage
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as can be seen in the plot of knockdown factor versus
“percentage delamination area” in Fig. 7.

Buckling tests were also conducted on several shells with
simulated delaminations, created by embedding thin sheets
of Teflon® (thickness less than 0.025 mm) between the
second and the third inner plies during the manufacturing
stage. Two groups of specimens were tested: one having
delaminations along the full length of the cylinder, and the
other with inserts going around the entire circumference of
the shell. The benchmark was established by testing
control specimens without any delaminations. The
specifications, delamination size, impact as well as
buckling data for all the specimens are listed in Table 1.
The knockdown factors recorded for all shells with
implanted Teflon® shects are plotied in Fig. 8. The
abscissa is the ratio of the delamination area to the surface
area of the shell. The buckling load drops steeply in the
initia} stage, but soon levels off and asymptotes to a value
of about 75% of the pristine load. Data belonging to both
groups of sheils follow the same tre'd, indicating that the
reduction n load is independent of the orientation of the
delaminati Also plotted in the figure are the values
obtaned for two shells which had diamond-shaped Teflon®
nserts, providing a closer approximation of the actual
delamination created by umpact. These had approximately
s0nsors.the same area as the Zee-shaped delaminations
observed in the impact tests.

Shell : $30 (45.45,45,45) Impact energy =41 J
& fracture pownt of optal fibers @ partial bleeding
[0 umage from backlighting

Fig. 6. Delamination mapping with fiber optic
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Fig. 7. Buckling strength reduction due to impact
damage.
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In every test with implanted delaminations, the two
debonded layers invariably buckled together, developing,
in 2il but one case, the classic asymmetric diamond
buckling pattern normally observed in thin cylinders under
axial compression. Only the shell with the narrowest
axisymmetric Teflon® insert (22 mm wide), buckled into
an axisymmetric mode. (The half-wavelength predicted by
theory for axisymmetric buckling in this shell 1s 24 mm.)
Even 1n this case, the layers on cither side of the implant
appeared to deform together, bulging outward forming an
axisymmetric ripple with the same half-wavelength as the
width of the delamination. Thus no evidence of
delamination buckling was observed in any of these tests,
nor was there any indication of propagation of the
delamination before the onset of buckling. It appears that
the occurrence of delamination buckling in cylindrical
shells is restricted by geometry, at least where the thinner
layer is on the inside of the shell, as in the present case.
The curvature of the cylinder prevents inward axisymmetnc
deformation of the inner layer, while its buckling nto an
asymmetric pattern would require radially outward
movement which 1s restricted by the outer layer. In either
case, the thinner layer is constrained, and its buckling
delayed to match that of the thicker segment The
suppression of delamination buckling in this manner is
significant, for it allows the cylinder to carry a much
higher load.

These buckling results are also plotted in Fig. 7 over the
range of delamination area observed in the impact tests.
The shells having impact-induced del are seen to
have consistently lower buckling values than those
predicted by the curve for the same delamination area  This
is probably due to the presence of additional damage caused
by the impact, such as the minor delaminations at the upper
nterface, and the inter-laminar matrix cracks n the two
innermost plics. Swnce the occurrence of such additionat
damage accomp any inter-] fracture caused by
impact damage, 1t is rex ded that the buckling data of
shells with simulated delaminations be used with a
reduction factor to yield realistic esumates of buckling
strength for shells with impact-induced delaminations.

4. CONCLUSIONS

The development of delaminations due 1o low velocity
lateral impact on thin laminated cylindrical shells has been
investigated as a function of impact energy, ply
orientation and cylinder L/R ratio. The shape of the
delamination produced was mapped accurately using two

1.00
Buckling Load Reduction with
050} Implanted Delaminations |
S
5]
& oso0f
g
Y o070 4
g Least Square Fit
X
© Dlamond Shaped implant
0.60 A Full Length Teflon Implant
O Axisymmetric Teflon Implant
0 50 " r PR
0.00 0.25 0.50 0.75 1.00

Normalized Delamination Area (A geam/2xRL)

Fig. 8. Reduction in buckling strength due to implanted
delaminations.
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different optical techniques. Two distinct modes of
delamination have been identified, and a threshold energy
level for changing from one mode to another was
determined experimentally for a specific shell geometry.
In addition, the effect of inter-ply debonding on the
buckling strength of axially loaded cylindrical shells was
determined by a series of tests on shells with implanted
Teflon® inserts and an empirical load reduction curve
obtained. The tests reveal that as the area of delamination
approaches the total shell area the buckling strength
asymptotes to about 75% of that of the undamaged shell.
No delamination buckling was observed in these tests. The
rasults of buckling tests conducted on shells with actual
‘mpact damage were also compared with those obtained
with simulated delaminations. It was found that the
specimens damaged by impact have lower buckling loads
probably due to the presence of additional matrix damage
generated by the impact,
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FRACTURE ANALYSIS OF BMI SYSTEM IN PRESENCE OF MOISTURE
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ABSTRACT

Working with today’s composite materials not pre-
dicted phenomena mainly related to the matrix
chemical behaviour can occurr. Delaminations on
solid laminate and honeycomb structure using a BMI
resin have been detected. Analysis of the delami-
nated parts have been carried out to understand the
nature of the defect. Correlation of the chemical be-
haviour affecting the mechanical properties and the
solution to overcame the delamination problems are
described in this paper.

LIST OF ABBREVIATIONS

Bismaleimide Resin System BMI
Carbon Fibre Composite CFC
Delaminations DEL.
Differential Scanning Calorimetry DSC
Fiberglass Honeycomb core HRP
Flatwise Test FTW
Fourier Tranformate Infrared FTIR
Glass Transition Temperature Tg
Honeycomb core H/C
Identification iD
Intermediate Modulus M.
Nor. Jestructive Inspections NDIL
Nomex honeycomb core HRH
Nuclear Magnetic Resonance NMR
Scanning Electron Microscopy SEM
Short Beam Flexure SBF
Solid Laminate SL
Thermogravimetric Analysis TGA

1. INTRODUCTION

During the manufacturing process definition for
monolithic and sandwich structures manufactured in
Alenia using Intermediate Modulus (I.M.) graphite
fibers with BMI matrix, some delaminations have
been observed after the post-cure cycle. The delami-
nations in the solid laminate parts looked like surface
blisters w:ile the sandwich parts showed disbonding
between the plies. To explain the defects several con-
siderations have been done (eg. presence of moisture,
stacking sequence, prepreg resin content etc.). In the
mean time all small solid laminates manufactured to
reproduce the phenomenon were completely free of
defects. The only difference between these and the
defected ones was the shorter out time of the prepreg
in the shop and shorter time between cure and post-
cure cycle. This led to the hypothesis that one of the
major cause could be attributed to the moisture up

take during lay-up phase or during the time between
cure and post cure cycle. The effect was still present
in small sandwich panels using HRH core whereas
it was not occurred using metallic H/C so that an-
other moisture source has been located in the HRH
core. The degradation due to the moisture that oc-
currs on chemical bond of polymeric .atrix may be
investigated performing not only th. Tg test, as sug-
gested by Patherick and al. [1], but also by physical-
chemical tests like FTIR, SEM, NMR, DSC, TGA
and so on. In particular, the purpose of this work is
to establish some correlations between thermogravi-
metric analysis, mechanical and microscopic test re-
sults obtained on delaminated graphite BMI parts,
with the aim to establish the quality of the CFC vart
by means of the TGA test only. This could be tue
only possible test to be performed on the suspected
parts (some defects cannot be detected by traditional
N.D.L.) without destroy them.

2. DEFECTS SURVEY
The aspect of the defect looks different for the two
configurations of panels.

2.1 Solid Laminate Parts

The delaminations were found through visual and
N.D.IL inspection on the tool face after the post-cure
cycle. The defects had the appearance of blisters as
described in figure 1.

2.2 Sandwich Parts

Delaminations were in some cases observed as com-
plete disbonding between the plies. In other cases the
delaminations have been observed between the Ist
and 2nd plies of CFC against the honeycomb core
(see figure 2). This second location of defect was
discovered after sectioning sampled panels declared
acceptable by visual and N.D.I. inspections.

3. SAMPLE DESCRIPTION

Panels have been produced using different H/C and
different manufacturing procedure. In particular
only six of them ( A, B, C, D, E, F) have been se-
lected and fully characterized for this work. The only
difference among these panels was the moisture con-
tent.

4. EXPERIMENTAL PROCEDURE

To produce test evidence in understanding the na-
ture of the defect a Test Plan to correlate Physio-
Chemical and mechanical analysis has been pursued
as described below:

e
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4.1 Physio-Chemical Inspections

Table 1. Solid Laminate Flatwise test results

DEFECTED

4.1.1 Thermogravimetric Analysis PANEL PANELS DEF;,EA(;I[‘_{SRBE
TGA tests were carried out using a ther- ID. Average Results | Average Results
mogravimetric analyzer mod.  TGA-7 (Perkin [MPa] (MPa]
Elmer) in the following experimental conditions: A 19 7
temperature range: 50° C /450° C+2° C B 5.2 7
heating rate: 10* C / min C T4 7
sample weigth: 12.00 / 15.00 mg = 0.01 mg ) 35 7
atmosphere (air) 50 ml / min E 7 163
temperature calibration.  Curie-point method F 7 152
The samples were obtained from mechanically tested ] 7 )
specimens or by peeling the defected plies. T 7 19'2
4.1.2 Micrographic Inspections I / 145

Defected surfaces were observed at higher magnifi-
cations using a scanning electron microscope (SEM)
JEOL 840A. Specimens to be analyzed were previ-
ously metalized with JEE-43/4C metalizer.

4.2 Mechanical Tests

4.2.1 Solid Laminate Flatwise (FTW)
This test was carried out by bonding each specimen,
coming from solid laminate or skin of sandwich to

5.2 Honeycomb Flatwise FTW

In table II the FTW test results, using different kinds
of H/C core and the relevant failure modes, are re-
ported.

Table II Honeycomb Flatwise Results

aluminum alloy end blocks, with room temperature KIND OF PANEL ?1\;5%%'1\;5 FAILYRE
curing adhesive. Load was then applied at a displace- H/C CORE ID. [MPa) MODE
ment rate of 1.27 mm/min. HRH 1/8" A / UNABLE

GRADE 3 TO TEST
4.2.2 Honeycomb Flatwise (FTW) 5 o DEL Tst,
The test was performed in according to ASTM C297 : 2nd PLIES
by bonding each specimen to aluminum alloy end c 1.85 22::[!”1,1!3!;5
blocks with room temperature ~uring adhesive Load SO T ]
was then applied at a displacement rate of 1.27 D 195 FAILURE,
mm/min SO‘};;{/DCEL.
4.2.3 Short Beam Flezure (SBF) E 210 TAILURE
The tests were performed on specimens obtained 217 FAIIIL/SR E
from the skin of the same panels used for FTW tests. R 175 HJC
The test was carried out at two loading points on GRADE 4 G 289 FAILURE
a 13 mm distance support bars on 38 mm centers. " 3.00 /T
Properly designed specimens were choosen due to the S’};‘EURE
thickness of the skins {70mm x 20mm x 1.25mm). I 260 ond PLII!;;'S
4.4 N.D.I. HRP 3/167 L 606 APHESlVE
Each panel was submitted to Ultra Sonic (US) in- GRADE 8 Al'g,l!lég{‘vag
spection, using the Alenia designed F2 system (v M 580 FAILURE
= 5 MHz), in order to detect possible defects and N 464 DEL. 1st,
to sclect the location for micrographic inspections. 2ud PLIES

ADHLESIVE

For these panels the delamination phenomena were o 590 FAILURE
found through visual and N D.I. inspections on the ALGMINUM e
tool fa~e, after the post curing procedure. ngf&%s" p 630 FAILURE
5. MECHANICAL TEST RESULTS Q 608 FA?L/SRE
5.1 Solid Laminate FTW _

In table I are reported the flatwise tryt results for
defected and defect free panels. The average values
were calculled from five specimens. 5.3 Si.. rt Beam Flexure SB}

In table III are reported the Short Beam Flexure
results on specimens obtained from the same panels
us. 1 for FTW tests (see table JI). The specimens

wete penducid using HRH 1/8” Grade 3 core.




Table III. Short Beam Flexure Results
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Table IV. Comparison between H/C FTW, Solid
Laminate FTW, SBF and TGA for six panels

6. PHYSIO/CHEMICAL RESULTS

6.1 Thermogravimetrical Analysis

Samples for analysis have been obtained from flat-
wise specimens after testing or from some areas of
the panels picking up the interested CFC plies. Two
values have been selected: the first one is the de-
composition temperature onset (Tstart), graphically
determined (see figure 3); the second one is the tem-
perature associated to the 2.5 % of weight loss (T2.5
%, (see figure 3). Results for all the panels are re-
ported in figure 4 and figure 4a.

6.2 Microscopic Analysis (SEM)

Surface matrix morphology was checked by Scanning
Electron Microscope on defected and defect free pan-
els. Typical pictures at two different magnifications
of defected parts are reported in figure 5 and showing
granular fracture. On the contrary, figure 6 reports
the state of not defected surfaces at two magnifica-
tions. In this second case a typical flake fracture is
showed.

7. DISCUSSION

In order to have a general overview of the results, al-
lowing the comparison among different kinds of prop-
erties, six panels of the same configuration, repre-
senting the real structure has been selected. Three
of them were manufactured in the normal shon condi-
tions and twn have been strictly controlled to avoid
as far as possible, the moisture up take (eg. H/C
drying, short out time, quick lay-up operations after
H/C drying etc ). Comparison of the test results is
reported in Table IV

PANEL | AVERAGE
ID. RESULTS FAILURE MODE PANEL H/CFTIW| SLFTW SBF TGA
[N] D. AVERAGE|AVERAGE|AVERAGE|AVERAGE
UNABLE RESULTS | RESULTS | RESULTS | RESULTS
A / TO TEST = [MPa) [MPa) N] (Y]
B 550 MULTIPLE B Zo ;g 5éo 1855290
PLIES DEL. T 185 74 300 187/295
c 800 MULTIPLE D 195 9.5 1163 188/310
PLIES DEL. E 2.10 16.2 1903 214/345
D 1163 1st, 2nd PLIES ON THE F 217 15.2 1758 | 215/335
COMPRESSION SIDE
E 1903 lgbﬂ'dp;rés]gfo%“sﬁ)? The values have been also plotted in three 2u axial di-
Tst72d PLIES ON THE agram (see fig. 7) representing the three mechanical
F 1758 CbMPRESSION SIDE properties as a function of the TGA. Each triangle

is relevant to a single panel with its own TGA val-
ues. The mechanical behaviour improves proportion-
ally to the triangle surfaces with the associated TGA
values. The dashed triangle shows the boundary
between accep* ble and not acceptable panel quali-
ties.The morphology of the fracture surface has been
aiso correlated to the TGA and was observed that
when the morphology aspect of the surface changes
from globular to flake aspect the TGA value is in
the region of 208° C / 320° C and the mechanical
properties increase drastically. This behaviour was
confirmed by these six panels.

8. CONCLUSIONS

The modifications occurred in the matrix system, as
shown by TGA and miciographic analysis, seems to
be related to the moisture absorption. The presence
of this anc naly affects significantly the mechanical
properties. This lead tc the conclusion that, with
some BMI system snecial care has to be taken to
strictly conirol the moisture absorption during the
manufacturing steps. The TGA test only looks a
profitable apptoach to estabilish the good quality of
the parts On the bases of our experience, the most
reliable temnperature value to be taken into account
is the temperature recorded at 2.5 % of the weight
loss. Tests are still running in Alenia to beiter de-
fine the TGA acceptable value on a statistical basis
and to investigate the defect behaviour under fatigue
loading.

ACKNOWLEDGMENTS

‘The authors would like to thank Dr. S. PERFUMO,
Dr. S. TAMIRO and A. SUPPO, Defence Aircraft
Division-Laboratory Department- Alenia and Dr. M.
PIOLATTO Defence Aircraft Division - Materials
Technology - Alenia for their coopecation.

REFERENCES

{1) EPOXY RESINS - Chemistry and Technology
Second Edition, revised and expanded, edited
by Clayton A. May. 1988 (ISBN 0 8247 7690 9)
pp 615-648.




10-4

Figure 1. Section of defects on solid laminate

Figure 2. Delamination betweea 1st, 2nd plies on H/C parts
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Figure 5. 'lypiml electron micrograph of defected surface parts.
(A) mapﬂﬂcaﬁon x 500, (B) magnification x 1000
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Figure 6. Typical scanning electron
mﬂ:ig)!;sﬂpll of mt)i x’%m parts. (C) magnification x
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Figure 7. Three axial diagram
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1L.INTRODUCTION

Composite materials are more and more widely used in
aeronautical and spacial engineering and industry.
Their main advantage is the gain in weight but it is not
the only one : non corrosion and their ability to assume
complex functions without bearings are also very
valuable in some cases.

The drawback is the difficulty to predict their
behaviour and write valuable constitutive relations to
perform structure computations. Thisis due to the
microscopic heterogeneities and the various phases and
interfaces whose bebhaviour is not well-known.

In this paper, we propose an homogenization method
which allows, when the microscopic structure can be
assumed periodic at some intermediate scale, tobuild a
constitutive relation from the assumed knowledge of
the behaviour of the various phases and interfaces.

The method can also be used as an inverse method to
identify some parameters involved in these
constitutive relations.

In the cases where the structure is stratifed, the
method leads to explicit calculations as we shall see in
the second part of the paper.

2. THE GENERAL HOMOGENIZATION RESULT
(11),(3), (5),(6])

Let us take an elastic composite material, which
occupies an open region Q C R3, whose microscopic
structure is periodic and let ¢ be the diameter of the
period with respect to the diameter of the whole
structure. Now, we enlarge one period to the scale 1/¢
and get what we will call the reference (or basic period )
(Y) that we assume here to be a rectangular
parallelepiped.

Y3

/
=

0 Y2

Y3

The actual composite material is made of a great
number of ¢Y periods.

Let us call a i (y) the elastic coefficients in the Y-
period and extend it by Y-periodicity to the whole R3
space. In the actual composite material, the elastic

coefficients are given by

X
a:;M = “uM (:)

An elastic boundary value problem of equilibrium in @
will be the following :

Problem 1. Find the displacement field & = (uy, u2, u3)
and the stress field 6 = {0y} such that

&!u
2.1) ;+f‘=0m9
J)
(2.2) o,= °:;u e, @
2.3) u= 17 on I‘U can
- -y
(2.4) on=F on TcA
where f=U}) F={F) u={U} are given
and F OF,= Q, T UF, =

Under classical hypothesis on the elastic coefficients
ajykh (y),

a =a =a
179 hk Ay '
) { e Y

300>0, avM(y)eueuzu < ,for any ¢, =

Oeu [
we know that the problem (1) - (4) possesses a unique
solution

W=utt), 0=0°@

which dependsone.

The basic problem of homogenization is then the
following.

Problem 2. What is the limit of uc (x) and 6t (x) when ¢
tends to zero ?

The answer to a similar thermic problem has been
given by L. Tartar ([5], (6] ). Several authors have
extended the result to elastic problem ([1}, {3]), and the
resultis:

Theorem 1,
When ¢ tends to zero

u® —+u®, 0°—%

where uo and T are solution of the following elastic
problem

&

2.5) i, 4,20 o
J
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(2.6) L = quucu(u")
- .

2.7 u®=U on T,

(2.8) E@=F o',

The elastic coefficients qjjxh are constant and can be
computed from the knowledge of the basic period (Y)
only. It means that, at the limit ¢ — 0, the composite
material behaves as an homogeneous elastic medium :
we call it the homogenized material and the relation
(2.6) is called the homogenized constitutive relation.

Computation of the homogenized coefficients {qijxh}

We shall introduce the mean value of a functionon Y
1
<fp>= T Lf(y)dy

Let us now consider the following problem on the basic
period (Y):

Problem 3. Find u(y) and & (y) such that

2.9 —£ =0 ony

(2.9) , on

o - SICREY
(2.10) 0, =a,,, 0)e, W ¢, = z >, + >
(2.11) <zM(u) >= EM

(2.12) u, - Bu’; s Y —penodic 1= 1,2,3)
(2.13) °,n, takes opposite values onopposite facesof Y

whereE ={E M)
is @ given symmelric matrex.

We can show that this problem has a solution which1s
unique up to an additive constant. This involves that
the strain field e (u) and the stress field § are unique.
From the fact that the problem is linear, the solution u,
& depends linearly on the given symmetric matrix E.
We have in particular,

(2.14) 0,0= BuM(y)b‘ .
which implies
(2.15) <o, b)>=<B 0> Ey

The homogenized coefficients {q,kn} are given by

(2.16) 9= < Buu(y) >

Practically we compute g,k h, by solving the elastic
problem (2.9)-(2.13) for

2.17) +8 .5 )

.1
”M'E(s § Ak kA

T YS
a [

b A . .
and, lov" 0(,)} being the solution, we have

kh
(2.18) =<0 %) >

q =
Yo, o‘ vo 0

Remark 1.
(2.17)implies that Exh = 0 except for Exn, = Enk,
=0.5ifk, = h,and Ex y, = 1ifk, = hy.

An important fact is that the result can be interpreted
by the following : the homogenized constitutive
relation is the relation between the mean value of the
strain field and the mean value of the stress field where
the displacement field and the stress field are linked in
problem 3. This result has been proved for linear
elastic material (see references before) and for several
casesofnon linear material (G.Duvautand M. Artola...,
P. Suquet....). As it has a strong physical meaning, it
seems that it is true for any type of constitutive
relation in problem 3.

Asymptotic expansion

It results also, from the homogenization theory, that
we have an asymptotic expansion of the displacement
field and stress field in problem 1 :

(2.19) ut )= ull) +culix,y) ' o owh
yat

(2.20) o, =By |, . £c”.(u") +00@

where uo (x) is the displacement field solution of
problem 2 and ul (x, y) a vector field depending on

x € Q and Y-periodic with respecttoy. The relation
(2.20) shows that the first term of the asymptotic expan-

sion of o:i is the stress field solution of problem 3 when
we choose Ex, = tkh (1,). The mean value on(Y) of
this first term is the macroscopic stress field I (x) since

<Buu(’)>‘lh(“°)=quu°u("°)= DI

This shows that, at a point x in the homogenized
structure, the macroscopic stress 2 (x) is the mean
value of a microscopic stress field en an ¢Y period
located at point x € ). It means that, if we know the
macroscopic stress Z (x) at a point x € Q, we are able to
calculate the field of microstresses on an £Y period at
that point : we calculate the macroscopic strain field

¢ (u,) at that point by inverting the relation,

)Ju(x) = qvucu(uo)
and then, solving problera 3 with
Ep=g,W)
we get the stress field solution of problem 3
oS ()
which is the microstress field that we were looking for.

°u=B

Remark 2.

In all the previous developments, we have assumed
that we have a perfect junction (without slip or
deboundage) between the various components of the
composite material. If this is not the case, we must
specify the interphase relations, but the general results
given remain valid provided that we compute correctly
the strain field taking into account the possible slip
between the various phases, This will occur and will be
illustrated in the rest of this paper.

3. PERIODIC STRATIFIED MATERIAL WITH
INTERFACE-SLIP

3.1 Description and notations
The composite material considered here is stratified
and periodic which means that the same sequence of




layers reproduces periodically. Suppose that the period
ismade of N layers parallel to the plane y3 = 0 with
interfacesatys = 0, ), «..EN, EN+ 1.ee «

v We choose the basic period (Y)

defined by
_______ E.N»i
&N ¢ +4
o R b
________ &
0 12

‘The spreading of the period in directions y) and y2 is
not determined since the constitutive relations do not
depend on y1 and y3. This implies that a periodic
function in y will be a function which is periodic with
respect to y3 and does not depend on y1 and ya.

The displacement field u = (uy, uz, u3) may be
discontinuous at the interfaces &i,i = 0,1,..., and we
shall write {33, for the jump according to the relation

[a3,=26)- €
We shall assume that
[,]=o

which means that the layers may slip but do not
separate, but this assumption is not necessary for the
mathematical treatment.

If we introduce

N
3.0 iz - [l He-t)

where H (£) is the Heaviside function (equal to zero
if£ < 0 and equal to one if € > 0) the vector 4 is
continuou. at the interfaces &;, i = 1...N.

3.2 Homogenization

The homogenized constitutive relation comes from the
solution of problem 3. Here we can see that we have
major simplifications. First of all, the stress field which
has to be periodic will only depend on the variable y3
(or z = y3) which implies, from the equilibrium
relations, that

3.2) 0,quconstantinyfori=1,2,3
We can also prove, from compatibility equations that

3.3) ¢ () sconsiantiny for 0,8 = 1,2

We can always write the elastic constitutive relation of
each layer in the form
a'le = aﬂwola + “am&"e(“)
(3.4) - -
'.3(") = buaja + bme's(u).

where the greek indices take value 1 and 2, and latin
ones take values 1, 2 and 3. We notice that in relations
(3.4) the components of {0,)} and {e,;} which are in the
right members are constant, according to (3.2) and
(3.3), while the coefficients may depend on the layers.
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This allows to take the mean value of both members of
relations 3.4,

Before we must compute <ej;(u)>, takinginto
account the discontinuities of u, in order to express the
conditions

3.5) < ev Ww>= Eu
of problem 3. As a consequence of (3.1) we have

a, w X
(3.6) = x + ’:}-__l[u']. 8G~8)8,

where § () is the Dirac function and §;3 the Kronecker
symbol. It comes from (3.6) that

B, =<e >=<e (0)>
JER 3
* 2e 1-2-'1 \[u.]!l)5n+ [ul naﬂ)

which, if we assumefu3}, = 0, gives

3.7)

<c¢(u)>=lfuﬂ=<co°(:)>,(n=1,2,ﬂ=1.2)
- X
(381 < oW > = Egy = < ey (W)> + é,[“’]u"“ 1,2)

<°:n(")> = E:nz <cm(u)>,

where e stands for the thickness of the periodic layer Y
indirectiony3 = 2.

We can now take the mean values in (3.4) ; writing Zj;
for < 0jj >, itleads to

Lw= <au~>L13+ <00M>E¥6

N
1 ~
(3.9) b“’_'b’_t,,z,,l[u‘]n+ <bw>}‘n+<"m>£\6

E,

5= <b

3!>L13+ <b, ,>E

R

When the various layers are perfectly linked, there is
no jump of displacement at the interphases and writing
[u] = 0in (3.9) we get explicitly the homogenized
constitutive relation for the composite.

When this is not the case, we must specify the
constitutive laws of the junction between the various
layers. Assuming [fug]}= 0, these will take the form of a
relation between the shear vector T

—‘__ - 3
T=0,5,00)= B3.559)

since 013 and 023 are constant according to (3.2), and
the displacement jump (tangential) W,

W= ([u']'].'l[uzll.)

Assumingthatallinterfacesbehave in the same way,
- -
W will be independent of n since T is.

We are now able to get the desired homogenized
constitutive relation of the stratified composite.

-
Extracting W = ([u}, [u2]) from the second relation
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(3.9), we get two scalar relations between Eand Z,
which joined to the first and third relation (3.9) provide
the desired result.

4. EXAMPLES

1°) Perfect interlayer bond [2) :

In this case [Gfl = 0 and the homogenized constitutive
relation (HCR) is obtained from (3.9) where the
displacement jump is put equal to zero.

If each layer is isotropic, with "Lamé” coefficients 3, p,
the HCRis given by

P —<< L R )5
"\ T A42p T8 A+2p” W/ e
+2<u>E ,,
(3.10) 1
Ep_<ﬁ>2m'

1 A
B =<—> - —_—
8= <Yyzp TnT “Nezp o @

The homogenized material is elastic non isotropic.
2°) Elastic<2tp

The displacement jump is proportional to the shear

force -

-
T=kW
which allows us to mplace[\-xj]in (3.9) to get the HCR

L. =<a

o8 W>213+<00M>E\6

N
(3.12) Em:’ﬂ; Lm+<bw>}.ﬂ+<bw>€'&
E.’n= <b$}>213+ <b:"’5>l'2"6

In the case of isotropic layers, these relations become

.o A 2\p
qu_(<- >I, +< >E")5¢s

A+2p A+ 2p
+2<p>E .,
{3.13) e (N )’:

= = _

8\ 2ke 2p g’
1 A

E = K ee—=>F < >E
= A42p 0 W A+2p B

which correspond to an anisotropic elastic hehaviour.

3°) Linear or non-linear viscous slip ([41)
The displacement jump is governed by

(3.14) e
&
- -
where ¢ (T) is a scalar funct_x"on of T inverse of the
viscosity. In the linear case ¢ ( T') is a constant.

The resulting HCR is the following,

Z, =<a

8 n&>213+<a

o6~ B

3g NP +<b, >3z

@abin < ¥ ° 2T 5 R
+<b >3E

[ LR

+ <b >E

> = ®
E <b~> ) 6 \

3
which gives a viscoelastic behaviour.

In the case where the layers are isotropic, we get

A 2)p )
p>S =(<—-—> + < >E
oo A+ 2p g Ad2p” Bop

+2<p>kE,,
(3.15) a N - 1 )
—E,=—¢(T)E +<—>= L.,
& 2:Q( )ﬂ 2p X =
A

E_ =< >E,.,-< >E..
£ A+2p Zy A+2u E”

wh'ch gives a non isotropic viscoelastic behaviour.

4°) Ship wsth Couiomb friction law
Coulomb friction law can be written by

;snxxl

(3.16) T<nzgy =) 5[.7]:0

prs —
T=[1Eg] => axzo,a—i[u]ﬂn—"
where fis a friction coefficient and

T= (Ela, Ez’)
Relations (3.9) have to be joined to (3.16),[u] remaining
in the relations as an internal variable, The consti-

tutive relation obtained is of elasto-plastic type.

If the lag'ers are isotropic, relations (3.9) have to be
replaced by

r -(< A >¥.1 < L >E )6
BT\ T Apop T TR A+2u” v/ es
+2<">E°$'

(3.17) 3 N 1

—-E == + < =>F ,

PR O 2w

1

E,= € w~——>%, =< >E

= Ar2p B A+ 2p Eg
Remark 3

Very often £33 is assumed to be known. If we introduce
g=f|E3| the friction law (3.10) simply becomes

-

ITisg
-

ITI<g

ITi=g >

3.18)

!

2[d=0

a Ll
3AZO,;I[M]]=A1‘

I|




5° More general case ((7])
Usually, the slip law is not known and we have to
imagine a law which is sufficiently generaltofita
great number of behaviours. Such alaw is
7
1 ad F: ond

@ W T W+ 2W =TT ol

-3 =
& T

where Cj, C2, C3, n1, ng, are constant parameters
which have to be determined through an experiment.
The function ¢( 7‘. 5 ;) may depend on the increa-

sing or decreasing loading.

Relation (3.19) may take into account various elastic

and viscoelastic behaviour, linear or non-linear : if

$( ) =0and C) = 0, the law is an elastic one, linear if

C3 = 0, non-linearif C3 = 0.IfCy = C2 = C3 = 0 and
-

¢ = $(T), we may simulate a plastic law or a non-
linear viscous law. If C1 = 0 the law is viscoelastic.

Remark 4

This type of procedure has been used to identify the
behaviour of a stratified material provided by
AS/Marignane, the experiment performed to determine
the coefficients of (3.19) being a three-points-flexion.

),
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SUMMARY

A review of the literature and the rescarch performed at the
Institute for Acrospace Research on the subject of delamination
in composite laminates are presented. Delamination is known
to imuiate at free edges where the influence of interlaminar
stresses 1s sigmficant. These interlaminar stresses are three
dimensional and cannot be calculated by the laminated plate
theory. State-of-the-art stress analysis methods for interlaminar
stresses are reviewed with emphasis on the rehiability of finite
element methods. The strength of materials and fracture
mechamcs approaches for the prediction of delamination onset
and growth are discussed. Results of edge delaminaton, double
cantlever beam and end notch flexure tests for toughened resin
composites are presented. The effects of defamination on
structural integrity are mvesugated by conducting cyche tests
on bread board specimens representing the bolted jomnt
interface between the ply build-up ends of the composite arm
booms and the metallic flanges of a sophisticated robotic
system for space application The onset of delamination at the
curved edge of an open hole under compressive loading 1s
detected using acoustic cmission techmques and penetrant-
enhanced X-radiography. The effects of impact-induced
delaminauons on the residual compressive strength of
composite laminates arc predicted using a model based on
sublaminate buckling. Preliminary venfication of the model
shows good agreement between expenmental and predicted
results,

LIST OF SYMBOLS

a crack length

C compliance

E axial modulus

E, slope of load-deflection curve

E,.E moduli of sublamunates

E. reduced modulus

F.F, strength tensors

G strain energy release rate

G, total critical s° '1gy release rate

G, Gy, G strain encrgy re. tes for modes 1, I and 111

e Gpe critical energ .. : rates for modes I and 11

ply thickness

L half length of luading span in ENF test

m,n curve-fitting constants

P load

t thickness

w width

8 displacement

€, critical strain for delamination onset

€, failure strain for undamaged laminate

Nays coefficient of mutual influence

Vi Poisson’s ratio

Gy, O, inplane stresses in the matenal axes

Gy, Gy, Gy interlaminar stresses in the matenal axes

[ sublaminate buckling stress
inplane stresses in the global axes
interlaminar stresses in the global axes

1. INTRODUCTION

An increased application of fitre reinforced polymer
composites 1n a wide range of’ high performance aircraft and
spacecraft has been observed in recent years. These advanced
composites are replacing metals 1n the fabrication of pnmary
structures. This situation has rejuvenated extensive mxcrcsx in
the fracture analysis of | d cc s
working n this area are often challenged by the complexny of
the fallure modes which must be modelled in the fracture
analysis.

The laminated construction of composite structures 1s
responsible for the complex fallure modes which are
fundamentally different from those found 1n metallic matenals
The failure of metallic structures 1s usually precipituted by a
dominant crack which propagates i a self-simil unul
a cntical size 1s reached. However, the failure of laminated
composites 1s dominated by three major modes, which are
intralamenar matnx cracking, tnterlaminar matnx cracking or
delaminanon, and fibre fracture. The propagaton of matnx
cracks, 1n general, is not self-similar and 1s strongly influenced
by the onentation of the fibre reinforcement with respect to the
loading direction and the stacking sequence. The fibre
reinforcement influences the pattern of crack propagation by
acting as crack stoppers. This crack-arresting capability of the
fibre reinforcement not only prohibits the dominance of a
single crack but also encourages sim'ar matnx cracks to form
throughout the laminate at increased load levels The
wtralaminar and interlaminar matnx cracks often interact to
form a complex network of matnx damage which affects
structural performance. Its effect on structural ntegnty 1s
manifested 1n stiffness loss and 1n the devclopment of local
stress concentration in the load-camrying plies which leads o
a redistribution of loads within the laminated structure. The
load redistribution 1s often responsible for the farlure of fibres
n the major load-camying phes which, i tum, precipitates
premature structural failure,

A review of the literature and the rescarch performed at the
Institute for Acrospace Rescarch (IAR) on the interlaminar
response of laminated composites wilt be presented m this
paper with emphasis on the physical charactensucs of
delaminauon and 1ts effect on structural performance The
expenmental and analytical techmques utihzed for the
modelling of delamination behaviour and some of the measures
adopted for improving the e against del n will
be discussed

2, CHARACTERISTICS OF DELAMINATION

The problem of delammination has been researched extenstvely
[1-4) and a broad knowledge base |5} on the behaviour of
delamination has been developed. It 1s well known that
delamination is caused by interlaminar stresses that exist at
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structural locations where .here 1s a free edge A free edge can
be external such as at the edge of a fastencr hole or at the ply
drop-off region where a tapenng in thickness occurs, A free
edge can also be intemal such as at the boundary of 2
sublaminate caused by impact or at disconunusties within an
adhesively-bonded region or a cocured region

The presence ot mnterlaminar stresses near the free edge 1s
atnbuted to a musmatch 1n engineering propertics between
adjacent plies within the laminate. Herakovich's analysis [6)
has shown that a mismatch 1n Poisson’s rauo, v,,, gives nise to
the interlaminar normal stress, 0, and the micrlaimnar shear
stress, 1,,. A mismatch n the coefficient of mutual influence,
MNyy.0 induces the nterlaminar shear stress, 1,,. The coordinate
system of the stress components ts shown n Fig. |

Figure 1: Coordinate system for the stress components in a

laminated plate.

It 1s known that the interlaminar stresses occur at a boundary
layer close to the free edge. However, the exact defimtion of
the boundary layer size s arburary. The boundary layer 1s
generally regarded as the region where the interlaminar stresses
are appreciable. Based on equitbrium consideranons which
require G, to change sign as the distance from the free edge
increases, Lagace et al. [7) define the boundary layer size as
the distance from the free edge av which 9% of o, =
counterbalanced. However, this defimtion does not work fo

certain laminates where G, 15 practcally zero throughout the
laminate. An alternative defimtion based on ihe point defined
by 99% of the arca under the nicrlaminar shear stress
distnbution was proposed [8] These two definitions do not, in
general, yicld the same boundary layer size for a lamimate

Wang and Choi [9] proposed that the boundary layer be
defined as the region where strain encrgy density is greater
than or equal to 1 03 times the far-field value This defimuon
has the disauvantage that the boundary layer size 1s a funcuon
of the through-the-thickness location since 1t1s well established
that the magnitude of the interlamnar stress components vary
through the thickness of the lammate It 1s apparent that a
more universal definition should be developed It s generally
agreed that the boundary layer size 1s of the order of one or
more ply thicknesses, depending on the | layup and
stacking sequence.

The magnmitude and distnbution of interlaminar stresses are
known to be dependent upon lammate layup, ply stacking
sequence and ply thickness. Therefore, these factors greatly
influence the onset and growth of delaminaiion Bjeletuch et al
[10] demonstrated experimentally that the umaxial tensile

=rrength of the graphite/epoxy [£45°/0°/90°), coupon was much
lower than that of the [0°/90°/£45°), coupon. Therr results
showed that the fonner coupon developed free-edge
delamination, while the latter dvd not A stress aralysis based
on ply clasticity revealed that large inter] tensile $
act along the free edges of the former coupon, while
compressive interlaminar swresses of comparable magnitude
exist at the free edges of the latter coupon Rodimi et al (11)
showed that interlaminar response also depends on ply
thickness. They performed tensile tests on a special family of
graphite/cpoxy laminates with layups of [£45°0°,/90°,),.
where n = 1, 2 and 3, and found that the crincal tensile strain
for the onse. of delaminanion decreases when n 15 increased
Ths finding 15 consisient with the fact that grouping phes with
the same fibre onentation increases the magmtude of
interlaminar stresses at the free edge

3 DELAMINATION MODELLING APPROACHES

The understanding of the characteristics of delamination
discussed in the previous section has provided a s and
foundation for the analytical modelhing of interlammar
response which is an essenual prerequisite for performing a
fracture analysis of structurai 1 Based on extensive
research efforts, two main approaches have emerged for the
predictive modelling of delamination behaviour

3.1 Strength of Materials Approach

This approach 1nvolves the calculaton of «nterlaminar stresses
and the applicaton of appropnate failure criteria based on
strength allowables for predicting delaminanon farlure

The classical laminated plate theory is not adequate for the
calculation of 1interlaminyr stresses In Fig. 2, a (0°/90°),
laminate subjected 10 an umaxial tensile load parallel to the 0°
direction 1s considered as an example Due to the difference in
Poisson’s ratios, the 0° and 90° plies would deform differently
mn the y-direcion However, the plate 1s bonded and the
continuity of traction and displacement between adjacent plies

-
% «— 9=0°
-
—-——
le Ty T
ol
z
0 =(°~
8 = 90 1
\-
>~y
—— W

Figure 2 Development of o, at the 0°/90° interface




must be satsfied. In order to sausfy this condiion o, must
form 1n the plate according to laminated plate theory Also, o,
must vamsh at the free edge because of the boundary
condition. As shown 1n Fig 2, 6, 1s balanced by 1,, and these
two stresses form a couple. Tiie moment formed by this couple
1s equihibrated by a o, dismbution in a boundary layer region
near the free edge. The laminated plate theory cannot
determine these three dimensional stresses in the boundary
layer.

Pipes and Pagano [1] determuned the interlaminar stresses near
the free edge of a four ply, symmetnc lamenate under umaxial
extension by using the theory of amisotropic elasticity without
any simphfying assumptions. They denved a sct of three
ellipuc, coupled partial different:al equations for the free edge
problem whick were solved by the fimte differcnce method.
Subsequent to this classic work, Pagano {12} developed a self-
consistent model based on Reissner’s vaniational theorem {13]
which became the foundanon of a tocal model for laminate
stress analysis. Pagano and Somi |14] incorporated this local
model into a new concept called “global-local vanational
model” which was further enhanced by Som an? Chu [15].
The enhanced model can be used to determine the stress ficlds
in practical laminates contaiming as many as 50 drstinct local
or global regions.

Besides the finite difference method and Reissner’s vanational
theorem used by Pagano ct al , the interlaminar stress problem
has been solved by using the finite element method [16-19),
the boundary layer theory {20), the Galerkin method 21, and
the force balance method [22) It 1s worth mentioning that an
cfﬁc:cm computer code based on the force balance method and
the principle of mi compl y energy has been
dcvclopcd by Kassapoglou and Lagacc [23} for the calculation
of interlaminar stresses of straight-cdged laminates with a
thickness of onc hundred or more plhies. Comprehensive
reviews of the | ¢ on the deter jon of inerlaminar
stresses can be found in References 24 and 25

Since the interlaminar stresses occur n & boundary layer near
the free edge, the stress gradients are very steep and the

may be lar at the ply interface edge where
delamination imitiates. InCeed, Raju and Crews (26) showed
that stress singularities exist for {6°/(8°-90°)); laminates, where
0£6<90. It 1s well known that the stresses at a singular point
cannot be determined exacdy by numerical methods, including
the displacement-formulated finite element method based on
the total potent:al energy theorem and the finite difference
method Whitcomb et al. [27] invesugated the reliabihity of the
finite element method for calculaung free edge stresses in
compostte laminates Accurate interlaminar stress distnbutions
were obtained within the region (w/2 - y)/h 2 .08, where w =
specimen width, h = ply thickness, and y = distance along the
y-axis. At the singular point where y = w/2, the interlaminar
stress values are strongly dependent on the mesh size, with the
finest mesh producing the largest value.

In light of the fact that the proximity of the free edge 1s
characterized by very high mnterlaminar stresses which often
exceed the tensile or shear strength of the matnx matenal, the
maxmmum stress may not be suitable for the prediction of
delamtnation fatlure In order to circumvent this difficulty, a
simitar approach based on the point stress or average stress
criterion developed by Whitney and Nuismer [28] for the
prediction of notched strength of composite laminates s
required. Kim and Som [29] adopted an average siress
approach for the prediction of the onsct of delammnauon In
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this approach, the stresses used 1n the prediction model were
averaged by integraung the interlaminar stress distributions
over a charactensuc distance of one ply thickness from the
free edge The onset of delamination 1s predicted when the

ge nterl I stress exceeds the transverse
tensile strength of the composite matenal Predictions were
also made using the n-planc shear strength as the failure
parameter for companing against the average interlaminar shear
strength Kim [30] used a modified Tsa-Wu cnterion to
achieve accurate prediction of delanunation onset under the
combined influence of interlaminar normal and shear stresses.
It 15 smportant to mention that the charactenstic distance ts a
funcion of matenal, layup, stacking sequence, geometry,
loading, etc, and must be determined based on experimental
data

3.2 Fracture Mechanics Approach

Since the interlamunar stresses at the free edge are singular, 1t
appears appropnate to adopt a fracture mechanics approach to
charactenze delaminauion fraciure A popular methodology

STRAIN-ENERGY
RELEASE RATE PROFILES

t MODE I

‘- TENSILE FORCES NORMAL
TO PLANE OF PROPAGATION!

MODE 1l

« SHEAR FORCES IN DIRECTION
OF PROPAGATION

MODE 11

\

N

« SHEAR FORCES PARALLEL TO
PROPAGATING DEBOND FRONT

Figure 3:  Interlaminar fracture modes.

cmploys the concept of strain encrgy release rate {31-33) This
methodology gencrally involves a calculatton of the strain
cnergy release rate, G, for a del n crack of d
size which corresponds roughly to the size of the boundary
layer at the free edge [31]. A crack-closure integral techmque
has been incorporated 1nto the finite element method for the
determination of G [32] This technigue 15 very powerful
because 1t can be used to determure the strain ‘energy release
ratcs, G, Gy and Gy, for all three Lasic modes of interlaminar
fractures As indicated n fag 3, modes I, H arid 11} represent
the peel, sliding shear and twisting shear mode respectively
The charactenzation of delaminanion has been focused on
mode I and mode I} and combinations of these two maodes For
the prediction of dclamtnation growth under mixed mode
condition, the following cntenon is often used
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(G /G )" +(Gy/Gp) =1 M

where G, and Gg, are the critical encrgy release rates for
modes I and If respectively, m and n are constants determined
by curve-fitting of the experimentat data.

Test methods for the determinanon of G, and Gy, using the
double cantilever beam (DCB) specimen [34) and the end
notch flexure (ENF) specimen {35), respectively, have been
developed. It is worth mentioning that O'Bnien {36) developed
the edge delamination test (EDT) which can be used to
determine the total critical strain energy release rate, G,, under
mixed-mode fracture. A detailed description of the test
procedures and data reduction techmques of the above three
methods and other expenmental methods for the
charactenizanon of delaminaton fracture can be found in
Reference 37.

4.0 ASSESSMENT OF DELAMINATION

The problem of delaminaton 1n laminated composites has been
investigated at IAR Using the analyncal and experimental
methods discussed in the previous section, delamination of
straight edge specimens subjected to umaxial tensile extension
was assessed Most of the tests were performed with constant
thickness specimens and two tests were performed with
specimens having tapered thickness caused by ply drop-off. In
addition, rectangular laminates with an open hole or internal
delaminations caused by dropweight impact were tested under
compressive loading In this section, the effect of delamination
on structural mntegniy 1s assessed with the wd of mechamcal
tests and nondestructive inspection results

4.1  Experimental Determination of Strain Energy
Release Rates

The resistance of delamination in composite matenals 1s often
characterized by the strain encrgy release rates. In this work,
the strain energy release rates for mixed-mode, mode 1 and
mode II interlaminar fracture are determined using EDT, DCB
and ENF test, respectively.

The edge delamination test was used o determene the G, of
three toughened resin composites [38] These composites are
reinforced with the Hercules IM6 carbon fibre which has a
tensile modulus of 280 GPa and a failure stramn ot 1 3% The
resin matenals are Narmee 5245C, Hexeer F584 and Cy anamid
1806 The first resin v a modified bismalimide and the
remaiming two resins arc toughened e¢poxies. Rectangular
speaimens, 38 1 mm by 254 mm, were made from the three
composite materials by an autoclave cunng process [39] In
addiion, contro! spectmens  were made  from  Namwo
T300/5208, a conventional graphite/epoxy matenal

The EDT specimens have a layup of {£35%/0°M0°), The
selection of this layup 1s based on the opunuzauon study [36)
of the {26°/0°/90°] famuly of layups which indicates th  the
lowest total cnincal strain, €. occurs when 8 ~ 35° According
to O’Bnien’s finite clement analysis [36]. the contnibution of
G; and Gy to G, for the «elected layup v 90% and 10%
respectively. His results also indicate that changing @ from
45°, & commonly used fibre oncntation, 0 35 will result in
tgher total G at the same remote stoun The meluston of H)°
plies at the centre 1 antended to create high mterlaminar
tensile stresses at the 0 /0 mterfaces  The mclusion of
plies 111 ended o suppress matenal nonhineanity by having 4
fibre domunated layup

The TDT specimen was loaded in tension using a MTS
machine under stroke contro! at a rate of 0.15 mm/min. An
extensometer with a gauge length of 102 mm was mounted 1n
the centre of the specimen. An X-Y recorder was used to
provide a real-time analog dusplay of deflection and load. The
specimen was extended until edge delamination was detected.
At this moment, a deviation in the load-deflection curve was
obscrved, as 1llustrated 1n Fig. 4. The extensometer deflection
at this point was divided by the gauge length to yicld the
cntical strain for delamination onset, €. An equation denved
by O'Bricn {36) 1s used for calculaung G,:

G.=e’1(E,-E)/2 @
where E, = slope of the load-deflection curve, t = specimen
thickness, and E’ 15 the suffness after the 0°/90° interfaces are
completely delaminated and is denved based on the rule of
mixtures:

* = (6F, + 2E,) / 8 3

where E, and E, = suffness of sublaminate with a layup of
{£35°/0°] and [90°), respectively.
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Figure 4 Dctecuon of delamination onset from the stress-

strain curve

The results of the calculations for G, are sumn anzed 1 Table
1. The G, of the toughened resin composites are higher than
that of the T30M/5208 [t was observed duning the expenment
that the delaminanon mnated at the edges of the specimens
made with toughened resin composites and then progressedin
a stable manner untl t reached the entire length of the
specimen. For the control specimens, the onset of delamation
was immediately followed by 4 sudden extension 10 the entire
length. For all spccamens tested, the delaninanon onset and
growth can only be consdered as subentical because the
ulumate fasture of the specumen s caused by the fraciure of
the fibres in the [£35°/ | sublanunate

The DCB and ENT tests were alvo performed to detenmine the
strain energy release rates under mode tand mode I fracture,
respectively, of an advanced toughened resin composite,
IM7/977-2 This thermoset matenal and a thennoplastic
natenal, IMVACP-2, have been conndered by FRE
Composites Inc as candidate materiais for the comtruction ot
the arm boomn for a sophisticated robotc system for space
appheatca Tests on thermoplastic speamens are being
planned




Table 1: Determinauon of G, based
on EDT results.
Material Specimen & G,
D (pm/m) | (i/m?)

IM6/5245C 147-1 4656 159
147-2 5016 192
147-3 5313 211
147-4 4750 190
147-5 4938 .229
Average 4935 196

IMG/F584 82-2 5344 .207
82-4 5297 215

82-5 4641 178
82-6 4391 174
82.7 4578 192
Average 4850 193
IM6/1806 141-1 .209
141-2 WA 133
141-3 4141 156
141-4 3781 110
141-6 3969 125
Average 4188 147

T300/5208 i6-1 5156 180
16-2 4406 135
16-3 5194 150
16-4 4813 129
16-5 5188 135
Average 4951 146

The DCB and ENF specimens were machined from a
laminated plate with 26 umdirecnonal plies. The platc was
consohdated wusing an autoclave cunng procsdure
recommended by FRE Composites Inc The plaic was
subjected to an ultrasonic C-scan inspection after cunng to
ensure that no significant flaws were present. The dimensions
for the DCB and ENF specimens are 38 mm by 280 mm and
13 mm by 330 mm, respectively The fibre direction 1s paralle]
to the length of the specimen. A Teflon film with a thickness
of 13 pm was inserted at the midplane of the laminate duning
layup to form an imtiation site for delamination onset The
DCB and ENF tests are thustrated 1 Fig $

The DCB specimens were loaded in an Instron machine
operated in a displacement control mode with a constant rate
of 2 54 mm/min The tensile Joad was apphed perpendicular to
the plane of delamination growth via a pair of prano hinges
adhesively bonded to one end of the specimen The load-
displacement relationship was continuously momtored duning
cach test on a chart recorder The specimen was loaded unul
the delamination crack reached a length of 51 mm

2P

4 =
rl\\,\\_l—*_,él
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P

Figure 5* Double canulever beam test and end notch flexure
test for G, and Gy, respectively.

approximately. The machine was stopped and the crack tip on
both edges of the specimen was located using a magmfying
glass and marked to allow accurate length measurement using
a travelling microscope after the test The load versus
displacement curve was also marked so that this point 1n the
test could be idenufied The machine was then restarted and
the procedure was repeated for crack lengths of approximately
76 mm, 102 mm, 127 mm, and 152 mm

The G, was calculated by the comphance cahbration method
{40]) The comphance C 1s defined as

C=38/p 4

where § = displacement of crosshead, and P = applied load
Using a least squares techmque, a straight hine was fitted to the
log-log plot of C versus the crack length, a The slope of the
fitted hine, 0, 15 used in the following equation to calculate G,.

G.=(P&/QWa) o)

where W 1s the width of the specimen The result of the
calculation of G, 1s presented 1n Table 2 During the DCB test,
fibre bndying which was assoctated wath fibres being pulied
out from one side of the delamination planc to the other planc
was observed. It 1s well known that fibre bndging can
sigmficantly clevate the fracture encrgy Therefore the values
presented in Table 2 may be higher than the true G, of the
matenal.

The ENF specimen was loaded 1n a three-point loading fixture
(sec Fig. 5) at a crosshead displacement rate of 2.54 mm/min
until the delamination crack propagated A chan recorder was
used to continuously monitor load versus displacement. After
the crack was arrested, the loading was stopped and the
locauon of the crack up was marked on both edges of the
specimen. After precracking, the load was removed and the
specimen was repositioncd such that the new crack up was
254 mm from the centre of the reaction point of the fixture.
The specimen was reloaded unul crack prapagation took place
This procedure was repeated three times for cach specimen
The cntical load and comphance were determined from the
load-displacement curve The load-displacement curve obtained
from precracking was not used The Gy, value for each crack
propagation was calculated by.
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Gp =92 PC)/ (2W (2L + 3%} )

where a = 25.4 mm and L = half length of the loading span,
50.8 mm. The G, values arc presented 1n Table 2. It is noted
that the Gy, is about 2 times higher than the G, for this
material.

Table 2: Strain Energy Release Rates
for IM7/997-2 Matenal
Spectmen Strain Energy
D Release Rate
G, (kJ/m?)
632-1-1 351
632-1-2 412
632-1-3 325
632-1-4 430
Average 381
Gy (K/m*)
632-11-1 692
632-11-2 762
632-11-3 1041
632-11-4 757
Average 813

4.2  Delamination in Ply Drop-Off }' gion

The arm booms of the robotic system are tubular structures
made of an advanced composite matenal The ends of the am
boom are connected to metallic flanges by titanium fasteners
In order to satisfy the high load transfer requirement at the
bolted composite/metal interface, 4 ply build-up process s
used to thicken the ends of the composiie arm boom At the
carly stage of product development, bread board specimens
designed to represent the detail features of the bolied interface
were subjected to vigoraus mechanical testing

The configurauon of a typical specimen made of a thermoset
composite, IM7/977-2, 15 shown in Fig 6. The results of the
tensile tests on the thermoset specimens conducted by the
techmical staff of FRE Composites Inc. using the testing
facthues at IAR indicates that the average failure load 1s 134.7
kN and the ulumate failure mode s shear-out failure of the
fastener holes in the build-up section of the composite
I Another pre failure mode observed during the
test 1s the growth of delamination in the 90°/30° mterface in
the vicinity of the tapered end 1n the ply drop-off region, see
Fig. 7. The delamination tnitiates at a free edge formed by a
transverse crack of the 90° plies

In collaboration with FRE Composites Inc , the IAR conducted
two constant amphitude cyclic tests on themmoset specimens
with the objective of mvestigating the effect of delamination
on the structural integnty of the bolted interface. The first test
was conducted using a sinusoidal waveform with a frequency
of 0.5 Hz and a R ratio of zero The maximum load amphtude
was 120.1 kN which 1s about 90% of the average static fatlure
load. The first cycle consisted of a manual load increase to the
maximum and then 2 manual retum to zero Major audible
acoutic cmissions were noticed when the load levels werz 9.9

kN and 119.0 kN. At this moment, a transverse crack of the
90° phes and a delaminauon, which had initiated at the up of
the transverse crack and had extended along the 90°/30°
interface, were observed in the vicinity of the tapered end of
the ply drop-off region As shown in Fig 7, this delamination
had extended across the eatire width and into the bolted
interface area. After the first cycle, the cyclic test was
conducted and the specimen failed after 5001 cycles were
clapsed.

The second test was conducted with a maximum load
amplitude of 113.4 kN which 1s about 85% of the average
static failure load. During the first cycle, the loading was
halted when a major audible acoustic emission was noticed at
94.1 kN. At this moment, the 90° crack was observed. The
delaminanon of the 90°/30° interface was found at one edge of
the specimen The size of the delaminatton was determined by
an ultrasonic ume-of-fight C-scan method, see Fig § Using
the C-scan method, the delamination was found to grow 1n a
stable manner and after 10,000 cycles, it had propagated across
the entire width and 1into the bolted interface area The
spectmen failed with a life of 18,459 cycles

The failed specimens were disassembled to examine the fatlure
mode. The disassembled pants are shown in Fig. 9. It is
noticed that the delamination causcs the tapered laminate to
separate into two sublaminates The load 15 redistributed to the
flat sublaminate and as a result the tapered sublaminate carries
no load. This phenomenon is supported by the shear-out failure
at the fastener holes of the flat sublaminate and the absence of
damage at the fastencr holes of the tapered sublaminate Thus
load redistnbution accelerates the failure of the bolted
interface. It is concluded that the delaminauon failure 1s
subcrincal which nulhifies the structural benefit of the ply
build-up and reduces the fangue hfe of the bolted mntertace.

4.3  Prediction of Delamination in Tapered Laminate

A two dimensional fimte clement model of the tapered
laminate was generated using a commercial code called NISA
The purpose of the analysis 15 to predict the transverse
cracking and the interlaminar response of the 90°/30° interface
at the tapered end of the ply drop off region Orthotropic shell
clements were concentrated at the transition from the tapered
section to the flat scction and also along the cntical interface
The fimite clement model 1s shown in Fig 10a It s important
o mention that the fastener holes, fasteners and the metallic
flange are not modelled As a result, the modcl is not capable
of predicung the ulumate failure at the fastener holes
However, 1t 1s important to simulate the boundary conditions
created by the metathic flange which was used 1n the test. To
accomplish this, nodes along the flat portion of the built-up
arca were constramned 1n the z-direction while nodes along the
line x=0 were fixed i all dircctions A constant axsal strain
of 0001 mm/mm was apphed at the end of the flat section
The matenal properties of IM7A77-2 used n the analysis are
shown in Table 3

The stresses for each ply were used i conjunction with the
maximum stress cnterion to predict fallure on a ply-by-ply
basts The strength allowables given in Table 3 were compared
with the calculated stresses to determine the criical location at
which the failure of the first ply would occur It was
determined that the axial stress 1n the 907 ply at the 30°/90°
interface (see Fig 10b) exceeded the transverse tensile strength
of the material when the applicd axial strain was 000293
mm/mm Thus a matrix failure of the 90” ply 1n the fom of
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a transverse crack is predicted. This was in good agreement
with the experimentally determined strain level of 0.003
mm/mm which corresponded 1o the detecton of the transverse
cracking 1n the specimen It 1s also noted that the predicted
location of transverse cracking was 1n good agreement with the
actual farlure location,

Table 3: Properties of IM7/977-2°

Elastic Properties
E;=159.3 GPa E,=E,=8 67 GPa
G;=G,=G,,=3.80 GPa V1=V =v,,=0.30
Strength Properties
X=2482 MPa Y=2=729 MPa
$,:=5,,=51,=109 MPa Xc=1613 MPa

Y =Z.=154 MPa

* Properues supplied by FRE Composttes Inc

The fimte element mesh was then modified to include a
transverse crack in the 90° ply which extended from the
tapered edge to the 90°/30° interface, see Figure 10¢  The
imual failure strain of 000293 mm/mm was applied 10 the
modified model and the analysis was re-run  The maximum
stress failure criterion was applied to the 30° ply at the crack
tip to determine 1f the crack would extend o that ply The
analysis showed that although the stress was tugh enough to
cause cracking in the matnix, the fibres m the 30 ply would
not fail and thus the 90° tranyverse crach would not grow mnto
the 30° ply.

In order to predict the delammation fallure at the tip of the
transverse crach which was arrested at the 90°/30° interface,
a quadranc fatlure cnterion based on the interlaminar stresses
was used.

GyF; + 0,'Fyy + Gy, + OyFyy = )]

where F,, Fy,, F,, Fy, are 1denucal 1o the terms used 1n the
tensor polynomial fatlure criterion [41]

When the nterlaminar stresses, o, and 0,,, obtarned from the
finite element analysis were substituted into Equation 7, failure
of the ply interface was predicted The ©,, was ignored
because this stress was not calculated 1n the two dimensional
analysis and was consuidered not important 1n the present case
The predicuion suggests that once the transvene crack nthiates
in the 90° ply, a delamination forms mstantaneously at the
9°/30° mterface This conclusion was venfied by the
expenimental observation that a delamination was present at the
up of the transverse crack when the test was halted at the
detection of the first audible acoustic emussion,

To prevent transverse cracking and delamination falure from
occumnng n the tapered laminate  of the  bolted
composite/metallic flange nterface. erther the composite
matenial which the lamina s fabnicated from must be
changed or the layup has to be modified or both The results
of the fimte element analysis indicate that the tapered laminate
1s weakened by grouping fourteen 90° plies at the end of the
ply drop-off region where a high stress concentration exists
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Furthermore, grouping of 90° phes ntroduces high
nterlaminar stresses at the ply interface which makes 1t
susccpuible to delaminanon A new layup for the tapered
laminate with a less severe grouping of 90° and a replacement
of the thermoset matenal with a thermoplasuc matenal,
IM7/APC-2, are being investigated at IAR.

44  Delamination at the Edge of an Open Hole

The interlaminar response at the edge of an open hole in a
laminated plate subjected to compressive loading was
tnvestigated at TAR [42,43] Using acoustic emission
techniques and penctrant-enhanced  X-radiography, the
localized damage development at the curved edge of an open
hole was studied. It was observed that the initial damage
consisted of a delamination which formed at a cnitical ply
interface. A penetrant-enhanced X-ray image of this minal
delamination 1s shown in Fig 11. Acoustc signals ematted
from the plate under compressive loading were collected by
three piczoclectne sensors attached on the plate These
acoustic emission signals were processed dunng the test and
were used as a guide to halt the test in order to perform a
nondestrucuive inspection of the hole edge using the X-ray
procedure  Detailed descriptions of the acoustc emussion
technique and the method of acoustic signal processing are
described in Reference 44

Under increasing compressive load, localized buckling of the
load-carrying 0° phies was observed almost immediately after
the onset of delamination This buckling produced a localized
bulging of the surfacs at the hole edge as shown in Fug 12,
The X-ray image shown in Fig 13 indicates that the mmual
delamination was extended further after the buckhing of the 0°
phes increased the strain at the edge of the delanunation to a
level which exceeded the critical strain energy release rate of
the matenal This senes of X-ray images confirms the
proposed mechanisms for damage inttiation and growth at a
curved free edge under compressive loading [43)

IM6/5245C
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Figure 13: Penctrant-enhanced X-ray 1mage of delamination
growth promoted by localized fibre buckling

The onset of delamination at the curved edge was predicted by
using the quadratic faillure critcrion given in Equaton 7 [42)
The nterlaminar stresses were calculated using a 3-D finite
clement method. A good correlation between expernmental and
predicted results [43] indicates that the strength of materials
approach is satisfactory in the prediction of delamination onset
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4.5  Effect of Impact Damage

It 1s well known that dynamic impact loading apphed
perpendicular to a laminated plate (sce Fig 14) will produce
mternal  delaminations which have been demonstrated to
degrade the compressive strength of the plate by as much as
70% [45) This strength reduction 1s believed 10 be caused by
a buckling of the sublaminates formed by the internal
delaminations under inplane compressive loads This buckling
of the sublaminates will tngger unstable delaminauon growth
which 10 wm will lead 10 the premature fatlure of the
faminated plate.

IMPACTOR

COMPOSITE
LAMINATE
/
F I/ 3
\ N
BACK
! SURFACE !

Figure 14: Impact loading of composite lammnate.

A dropweight mmpact method was used to nvestgate the
extent of the damage as a function of impact energy {46] The
ultrasonic time-of-flight C-scan method was used to determine
the extent of mmpact damage {47). It was found that the
damage area increases with impact energy up to a cntical level
and then remains constant Using a destructive sectioning
method, the damage state was determined to be nternal
delaminations when the impact energy was below the ¢ntical
level. When the 1mpact energy was cqual to or above the
critical level, a punch-out region with extensive fibre breakage
began to develop wathin the delaminated area

Based on the expenmental charactenizauon of the impact
damage state, two approaches for the prediction of the
degrading cffect of impact damage on the compressive strength
of composite matenals have been proposed For the impact
damage with a punch-out region, the predictive model can be
based on a macroscopic, semi-empincal fatture cntenon such
as the point stress or average stress cnienon because of the
resemblance of the impact damage state to an open hole. For
the impact damage charactenzed by internal delaminauons, the
predictive model is based on a delaminauon buckhing criterion
The development of the latier modet will be presented.

There are five major stages in the development of the
predictive model for the residual compressive strength of
composite laminates containing impuct-induced delaminations
The first stage involves the deterrmination of the planar area,
thickness and shape of the largest delamination which 1y
usually located close to the back surface. The back surface 1s
used here to denote the planar surface of a laminate which s
not subjected to the impact loading. The second stage involves
the determination of the cnucal stress for the largest
delamination to buckle. A procedure based on the Rayleigh-
Ritz method is developed for the calculaton of the
delaminauon buckling stress [48)

In the third stage, the damaged region 1s simulated as a soft
inclusion. The procedure to determine the reduced axial
modulus of the soft wnclusion is illustrated 1n Fig. 15 The
reduction tn the axial modulus, E, depends on the stability of
the largest delamination In the current analysis, the impact-
damaged laminate 15 assumed to follow a linear-deflection path
until the outermost sublamunate buckles The thickness of the
outermost sublaminate, which 1s defined by the distance of the
largest delamination to the back surface, and the shape of
sublaminate are used in calculatng the buckhing stress, G,
After buckhing, the load camed by the sublaminate becomes
constant, as in Euler buckling. It is noted that the post-buckled
modulus of the damaged region 1s decrcased when the
compressive strain is increased. As shown 1n Fig. 15, the most
critical reduced axial modulus, E', is the one which concides
with the strain at fatlure, €, of the undamaged laminate. The
E’ 15 defined as:

E'=04/e, 8)

The modulus retention ratio, MRR, 15 equal to the ratio of E
to E* It 1s assumed that the transverse and shear moduli for
the soft inclusion are reduced by the same ratio, while the
Poisson’s rano remains unchanged
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In the fourth stage, the stress redistribution 1n an infinite width
laminate containing an anisotropic nclusion with moduli
defined earlier is determined using Lekhnuskn’s complex
variable approach {49] The stress distribution in a fimite width
laminate is obtained by using a finite width correction factor
{50].

In the fifth stage, the strength retention ratio, which 1s defined
as the ratio of the residual compressive gth to the
compressive strength of the undamaged laminate, 1s determined
by using appropriatc failure cntema based on strength
allowables in conjuncuon with the stress distribution in the
vicinity of the soft inclusion.

The point stress cnitenion {28) was used in Reference 49 to
predict the strength retention rauos of quasi-1sotropic lamunates
fabncated from Hercules AS4/3501-6. The layup of these
laminates was [45°/0°/-45°/90°],, and the sublaminate was
assumed to be 4 ply thick and circular 1n shape. The
assumptions for sublaminate thickness and shape are in close
agreement with the results of damage charactenzation reported
in Reference 47. The prediction was camned out for a range of
damage diameters As shown in Fig. 16, the predicted strength
retention rauos are 1n good agreement with the expenmental
results {46] when a charactensuc distance of 0 147 mm was
used tn the point stress cntenon
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Figure 16 Companson of predicied strength retention ratios
with experimental results.

Subsequent to this prehmunary venficauon of the predictive
model, an extensive expenmental program will be conducted
in collaboration with de Hawifland Inc and the Carleton
University. This program will involve smpact testng of over
one hundred laminates with different stacking sequences and
thicknesses The main composite matenial 1o be investigated 1o
Toray T800,3900-2. This program is expected not only to
provide complete venification of the proposed predictive model
but also to provide a data base which i required for damage
tolerance analysis of composite structures
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S. CONCLUSIONS

Based on the research conducted at IAR, the following
conclusions are reached

1 Using the edge delamination test, the G, for three
toughened resin composites were found to be higher
than that of the control matenal., T300/5208 This
means that the toughened e composites can resist
delaminauon better than T300/5208.

2, Under tensile static or cychic loading, the effects of
delamination on structural integnty were manifested 1n
stiffness reduction and load redistribution which could
lead to premature falure. In the case of the bread
buard specimens representing the bolted interface of the
soootic arm boom, the growth of the delanination
mitiated at the tp of the transvene crack redistnbuted
the cychic load to a sublanuinate which faled 1n a
shearout mode at the .astener holes The delamination
nulhfied the structural benefit of the ply build-up and
shortened the fattgue hfe of the tapered laminates

3. Using acousuc enmssion techmiques and penctrant-
enhanced X-radiography, expenimental evidence was
found which confirmed that the onset of delamination
at the curved cdge of an open hole under compressive
loading led to the localized ouckling of the load-
camrying plies This finding has vahdated the use of the
quadratic farlure cnterion based on the mterlaminar
stresses 1 predicung delamunation onset,

4. Under compressive loadng, delanunation was found 1o
play a major role in affecting the stability of the lcad-
canrying phes Based on this finding, @ model based ou
the buckhng of impact-induced sublaminates was
developed to predict the residual compressive strength
of composite laminates Prehminary venfication of
model showed good agreement between expenimental
and predicted results
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1. Summary

The syncrgism between successive layer cracking and
delamination growth was studied for laminates fabricated
out of T300/914C solely. Unidirectivaal (UD) and fiber
dominated multidirectional (MD) laminates were tested
after static or fatigue loading Typical examples for dam-
age mechanisms were analysed numerically and used o
develop damage conditions An increase of the damage
resistance was observed for MD-laminates stacked by
quasi-umdirecuonal [ + 2J-double layers (QD-layer<)

2. Introduction

Since several decades fiber reinforced composites are used
in acrospace structures. Nevertheless, a consistent design
philosophy for damage tolcrant composites does not exist.
For the design of structures the mdustry chooses conserv-
ative strain amuts (ryir = 0 5%) and qualifies critical parts
by extepsive festing. A limited number of rather large
structures 15 tested for proving accomphishment of the
qualification requsrements  Unfortunately, these fests
often do not allow more general testimonics to the dam-
In crossply laminates of various stacking sequences the g€ behavior of stuctures.

crack distances were mcasured on the inner 90%-layers
after T-fatigue loading. Expresstons for the mean crack
distances and the residual layer stiffnesses were developed
in dependence of layer thicknesses, mean layer strains ¢
perpendicular to the fibers and aumber of load cycles For
the Characteristic Damage State (CDS) an energy condi-
tion was established to evaluate the crack distances A, pc
for brittle matrices.

In rescarch institutes, numerous but small substructures
or even specimens were tested in general for studying
damage modes, their syncrgism and the damage progres-
sion . Detatted analyses of damaged zones give maghts
o the bhehavior of composites and yteld clues 1o the
design of more damage tolerant structures In order to
achieve a definite damage, unrcalistic stacking  sequences
and/or loading conditions were used occastonally.

in order to describe more properly the delamination
growth mterferred by layer cracking, a second order ten-
sor was established for the released encrgy The meun tested structures are also analyzed numencally But the
values of this tensor are the common encrgy felease Tates prmaiples of continuum and fracture mechanics are rather
(ERR) for the different crack modes and the first invar- inadeguate toals to calculate extreme heterogencous, mul-
ant is the total ERR. But the ERR-tensor has three Lple cracked composites For a definte damage to be

invariants. which can be used to cstablish more complex wvestigated, only specific models are available, which
damage conditions homogemizes most of the structure

Both concepts yrekd a maximum of information only, if the

in this wark for a delammated layered structure the sub-
{ayers atc modetled scparately n general, whetcas the
fiber-matnx system as well as the layer cracks were hom-
ogenized For this madel, residual stiffnesses were genet-
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Figure 1 Crack initiation at the notch Figure 2 Misaligned fiber bundels bridging a crack
tip of a (5),-iaminate in a UD-laminate before and after breakage
Tests L Kirschke Tests L Kieschke




Mean crack length I, {mm}

Figure 3

Crack pattern in side-notched Figure 4

[ 4 2hs-laminates

Tests L Kirschke

ated in dependence of geometry and sitaiming of the lay-
ers  Additionally, a gencrahsed ERR concept is intro-
duced for more sophisticated analyses of delamination
growth

3. Damage behasviour of MD-laminates

In order to gair ¢ .Mt anto the damage behavior of lay-
ered composites, tyjne . damage maodes wall be depicted.,
which influcnce the analytical models Only matnx crack-
ing will be considered well below the rupture strength of
the T300,914C-matenal

In UD-larnates crachs propagate casily aiong the fibeis,
Fig t Occastonally musaligned fiber bundeks bridge a
crack and restrmin the crack propagation significantly,
fig 2 In order to utihie this effct for more damage tol-
erant tamnates consecutively stacked UD-layers were
misahigned alternately by +2° In quasi-upidirectional
[ £ 2}-angleply iammates (QD-lamunates) the residual
stiffnesses and strengths remam uachanged except of the
shear resistance, which increases significantly Instead of
a sipale crack a narrow cxtended damage zone appears,
where scquences of staggered opening cracas are seperated
by fiber bundels bridging the damage, Fig 3 In both
types « ¢ lannates the damage intiate at about the same
stress Ievel In UD-lammates the crack propagation
accclerated rather soon, wheicas in QD-laminates an
unstable ciach growth was not observed in the tests even
for significantly h.sher load levels, Fig. 4a Probably. this

N
R 5y A.j% 10 um
Source HJ Seifert

?,m 43 ,-n:"'; 5
o TS
i Wiy

ﬁﬁx\-/rﬂ) » N
#"ﬂ? a2l

a) B b)
- 35 ' £ . -
oo Matenial T300 / 914C E L £ 2y aminate -
200 I _![LZ’],L z 15 )~ C'ﬂi’i"ﬁf'_ o A
A S e L} Fe{ve) = : :
& Iy | Y z pul
£ 20 : i it 5
£ | T * g i
E 5 / b | KR ; :
- - ! i ] - 10 !
< 0 i ool | _1.}' ” i Ek g 10"y -laminate
= g ey i e U] Crack mede 1+ 1t
Y : T R P S B it
g O [22) R A .
i S gl {2 %x . 5 s !
% 5 1013 T - Py g ‘
= ! 13}
1 g [ ; 5405 g o ‘ [
5 S8 A
b= e ' | s S R
Noteh [ | 5 mm S I S
0 5 10 15 20 25 & 0 10 20 30 40 S 60

Crack length I, [mm]

ERR’s 1n notched [0, and [ * 2],s-laminates
Tesls L Kirschke

advantage wil vanwh tor a damage caused by mode
I-stresses solely

The crackhke damage n notched QUD-laminates was
maodelled numenically by a single opering crack (mode |
only) After a short crack mtiation the crtical ERR,
where the crachk just starts to propagate, 1s much higher
for GD-laminates than for UD-lammates, Fig. 4b. After
some distance from the crackh tip the sequence of opening
crachs must be followed by a total crack, where also the
fibers are broken Unfortunately, the length of the total
crack cannot be measured because of the brushlike oves-
lapping of fibers. In reality, after a certain crack length
both curves must become parallel to each other

In MD-laminates varous types of cracks appear, which
nterfere i each other. In general, layer cracks in paratiel
to the fibers of the UD-layers will be generated first at
rather low Joad levels and;or number of joad cycles The
layer cracks, formed <ide by side at narrow sequences
damage the interface and steer the subsequent delanu-
nation pProgress

Matnix cracks were neves vbserved it microgaphs extend-
ing over a fraction of a UD-layer only Once, a microvrack
starts to propagate, more and more eacrgy is released at
the crach tip, sec Chapter {1 mm [2] The crack speed
increases unul the crack up hits upon the next off-axis
layer The undamaged UD-cell between two layer cracks
1s straincd at the interface by shear and peeling stresses
The stresses with their maxima close to the layer crackh

Fiber cracks

Figure 5 Microdelaminations induced by layer cracks




cause an extreme contraction of the layer at the crack
surface. A short microdelamination releases peeling
stresses significantly, whereas the magnitude of shear
stiesses remains unchanged.

Layer cracking seems to be a dynamic process, The sud-
den contraction of the layer at the crack causes not only
microdelaminations but also fiber cracking and -debond-
tng at the surface of adjacent layers. Microdelaminations,
cxpected on account of the discussed stress- and displace-

b}

a) Uitrasonic C-scan

X-ray radiograph

ra

Hole 0 5 mm Det O 1 mm
a, 350 Nfmm? 'R 400 Nfmm?
N 96000 LC N 260000 LC

Measured by W Hillger Measured by HC Goeit ng

Figure 6 Delaminations after T-fatigue loading
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ment ficlds, are rarely found n micrographs, Fig Sa
Nevertheless, there s a local damage at the interface
cquinalent to a mucrodelamination. [3] Fig Sb shows a
photograph of the mterface of the deplied upper layer
The partly broken and debonded fibers aie ordered along
lines which relate exactly to the laver cracks

The local damage at the interface hlunts the crack tip of
a dclamination Therefore, the delamination will grow
preferably in the direction of the fayer cracks rather than
perpendicular to i, Fig 6a Faily long parts of the
delaminated front form rather straight hines in parallel to
the layer cracks Under compression loading the delami-
natien may jump to an interface which 18 tocated more
closely to the surface of the structure, so that local buck-
hing is caforced, Fig 6b

The jump of a delammation to adjacent interfaces i<
rather common in laminates fabrnicated out of UD-layers.
An cxticme example depicts Fig 7. which 1s a draft of the
edge surface of a MD-specimen, delamenated by T-fatigue
loading The draft was gencrated from a grating reflection
photograph, which not only shows the cunvature of the
upper sublaminate but also the delamination front at the
edge because of the inclined view t the speeimen, [4]

At the first glance it 1s surprising. that the delamination
front jumps to the adjacent interface at each layer crack
But the answer is rather <imple The outher
[0:/45/0;/ —45 [ 0}-sublimates arc nearly balanced
Under tension loading they contract und bend <lightly to
the instde. The suff [90;]-layers. connected alternately at
both sublamnates, act hike web-stiffeners. such that both
sublaminates bead strongly to the outside

This mechamism can be avowded, when the [90,]-laver 15
replaced by a [ 4 8RJangle ply (90°-QD-laver) The
QD-layer will not be sepsrated completely by a laver
crack, such that jumps of the delammation to adjacent
interfaces are avouded The sublamimnate connected with
the 90" QD-layer will bend strongly to the outside as
before But the other wublaminate will bend shghtly to the
nsude, and the crack opening displacements caused by
differences of curvature will be cut to halifes roughly Just
by replacing UD-layers in a MD-laminate by QD-lavers
the damage tolerance may increase sigmificantly. In order

11 mm

aad bl

[0,/ 4450,/ ~45/0/90), [ 32/ ¢45/12/~45/0/90].

«.gure 8 X-ray radiographs after T-C-fatigue loading

Stress ratio 1
Extreme stresses #3900 N/mm?
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to proof this assumption tension tests at laminates with
the following stacking sequiences are in preparation:

[0,// +45/0,] =45 /0 /903
(2274457 £2/-45/0/ 188/0/..]

The buckling of UD-wublaminates, located at the surface
of a MD-laminate, v accompanied by layer cracks at both
sides of the delaminauon, Fig Ra. These cracks comade
with the delamination length Under compressine loading
the UD-sublaminate buckles hike a beam and this causes
a mode l-crack at the delamiration front

The size of the delanunation zone will be reduced by
~30%, when the UD-layers are replaced by QD-layers,
Fig. 8 The cracks, restramned by layer misalignmers, are
shorter than the leng!h of the ddlamination. Therefote, a
ghiding-crack (modc U, [H) in combination with compres-
sive peching stresses s generated at delamination front,
Fig. 9

Moan stress  -550 M.mm?
Materal 1300 / 914C
E Stack L R2i145 4+ 21 --45]0{90}
A ) L
Zo8o bt T
© ! i
o 061ty &
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048 :
2 G /,’ !
2032 iy /)
& 1 j
3016 iyl L
3 1Gy ™M
S oL el
-8 4 8

Celam.naticn iength S [ mm ]

Figure 9. ERR s at the delanunation front

Caiculation € Haug

MD-Lamimates fabricated of QD- anstead of UD-layeis
are more damage toleraat, because encrgyrich damage
modes were suppressed  This advantage 15 accompanied
by minor ncrease of fabricatron costs In order to support
this statement, more tests are necessary on MD-lamimates
stacked of QD-layers,

4. Cracking of Embedded 1ayers

Teols for the analysis of vanous cracked MD-Lanunsies
arc aot avatable. Therefore, diffetent models were devel-
oped to describe certan phenomen: sutfiviently accuiate
Generally, the material s homogeized and tre embedded
crachs are modelled directly by fin:te clements, Sccondary
effects of lower or higher order are taken into account by
stiffness reductons and:or boundary and leading condi-
tinns

F 2 -

Mater:al T300 /7 914C
gy 1600 N/mm?
oy 50 Nfmm?
Stacking sequence 10,90,/ On.
n=124
m=1,4
Load ®/F, 05, ¢9
Load frequeacy S Hz
Stress ratio 01
leq (N) 3. 66

Figure 10 T fatigue tests at crossply laminates

in the vicmnity of the aclzmmation fiont 2 trchmensional
stress state must be anahzed for a crack growing along an
interface damaged by faver craching For stress caleu-
lattons often stiffness components perpenddicular 1o thie
fibers are neplected, which change the 1esults unpredict-
ably To overcome this <hartcomng, formulas for reduced
faver suffnesses were  generated  for  the  matenal
1300 914C  Probably, they are sufficentiy accurate for
any buitle resm system, st some chartenstie parmeters
will be modificd by guding tedis

Crossply laminates wete tesied under F-fatigue loading
at ambient temperatute 1 he «peamen configurations, the
vanations of stacking sequences, load levels and nuinber
of load cycles are depicted i P 10 Tach speaimen was
cycied with controlied load Tevels in a servohydrauvhic test-
ing machine Aflter the proposed number of load cycles the
specimens were dismounted, contiasted with dijodmethan
and X rayed

In the N-ray photographs the cracks seemed 10 be con-
cenaated at both edges Therefore, one specimen was ut
nte halfs and contrasted and Nerayeet again. The new
A-rav paotograph showed the same c1ack concentration
at the speamien aws as at thie edge  The cheek venified,
that the vistbie (rack concentration at the boundan
repsosentatine for the whole specimen  Therefore, ia the
X-1ay photographs the coodinates of the crachs were
measured only along both cdges Tor the measurements 2
hght microscope was used combined -ath a stepper motor
contiolied manipulator, which generated and <tored the
coordimates astomatically Fer the chosen test confignsa.
tions Tab 1 shows the measured mean satues for crack
distances

Unfortunately, the cra ks did not appear in X-1ay photo-
graphs of speamens with once 907-laver only In order to
get at least a first estimanon of the ciack distances
micrographs were taken afier HODOM0 Joad cycles on
10,790, 10, laminates Duc to limited time and mancy
the single Tayer could not be studied mose thoroughly In
a higher number of micropraphs
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Table 1 Measured mean crack distances in crossply The measured mean crack distances, plotted for one coa-
laminates figuration in Fig 11, decrease with the number of load
cycles until a saturated state, the Charactenstic Damage

No oitCr000f 5 13 20 50 100 200 500 1000 2000 4000 State (CDS). is achueved, [S] The CDS depends only on
stack ltosd Measured mean crack distances A the thickness of the cracked layer but not on the load lev-
Fify mm el This phenomenon 1s 1 contradiction to the elasticity
019,103 090|073 058 047 049 theory and cannot be explaned by matenal degradations
0,/90,19,1 o1 o4 28 038 solely, There arc some indications, that the change of the
Gi%0.ie o8 ? stope might be accompanied by a change of the damage
90,40,)] 060 022 . . N .
Egjw"o‘% 240 (116) 081 05C o3 mode from successive layer craching to m:cmdc:lammal:on
10.150,/0,) 085 084 069 066 037 growth, {6] The transiuon point to the CDS 1s detned
{o7%0.70.3 125 107 053 080 076 by a damage condition described in Chapter 5.
£0./90, )] 070 148D uz) 071 056 o.:g o;| 033
9,190;0, (260) 124 104 0% 062 056 054 R r : : R
Eo.m:;o,} 1 o ou 03 331 06s 087 The rcl"ltmn of crack distances A, and A; between three
successive crachs was studied Each couple of adjacent
E&;g:&l Rhal PSS 051 047 o crack distances marks a pont n 2 AAppianc. The plance
(u.lw./o.i 076 g5 083 087 1< subdivided into squares of 0 05 mm <ide length. Within
(6,190,710 03 o6 each square the cluster of dots was counted and the clus-
0,190,151} 075 065 047 04 ed as are ¢
[&190:}0:} 06 0% 0 o8 ter sum, plotted as a square column normal to the
{00/90,/0,} 104 082 078 072 A-Aprplane, forms 2 frequency surface The surface s
10,190,/0,3] 066 085 087 055 smoothed and haes of cqual frequencies were gencrated.
[0:90,104) 162 101 073 077 0% 081 Fig 12b With tespect to the CDS, the frequency surface
[0:79%.1%) e %0 09t o8 or o* yictas some semarkable results, Fig 12a.
{0.190,/0.}| 070|083 063 061 G860 050 046
10,190, /0.3| 0350 163 121 0% 071 061 033 e The mean crach distance marks the peah of the fre-
(0./90.70,3{070]0S7 085 0283 079 078 077 076 yuency <urfacc.
(0,190,010 143 120 105 092 081 073 °73 07t
Amean ¥ Al max () (1)
Matenal 1300 / 914C Quthers in brackets
o The extreme crack distances are limited by
- 2 | — v T 0.5-Anean S A S 15 Anean 2
E ! } I 1 Successive [ i
- [ N lavercracking § 1 © 05 oy ® A GauB-distnibution can be used to describe the fre-
< TS T T T e 076 i quency of the crack distances at the CDS
[ [T X L v
g . . ‘ [ N ' " In rab 2 an approximation 1s given for the mean crack
B N i 1t i distances 1n crossply laminates. Except of some outliers
S T TN R ply - Exeep! ,
; | ' \‘- — 7\1: ? l a—ioy cnclosed in brackets i Tab 1, the approximation is rather
g l ! ) . Microdelammiation 3 accurate (standard deviation 11%) For the CDS the for-
c N I h 1 mula yiclds the following mean crack distances for differ-
& ( ) growt !
g . oy Pp] o v et stacking scquences (n < 4)
i S SR %)‘ e
[ ] [ s w23 8 1 23 8
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Figure 12 Characteristic crack lergths for the saturated state
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Table 2 Approximation for mean crack distances in
crossply laminates

ASOS
D

Am= + Cym-tm—4) for0sDs1

D =By + By-log (¢) ] y) + B, - log(N)

dard deviation of the appr n error 11 %
= 0674 mm B, = -0037
= 0146 mm 8, = 1637
= 12% B, = 025

Mean crack distance

No of 90°layers (layer thickness 0 125 mm)
No of load cycles

Mean stram in the 90°layers

(Design stram ¢; < 03%)

S z3p ,?sn?gw

Material T300 / 914C

Fig. 13 depicts the mean crack distances in 90°-layers
dependence on the number of the load cycles and the
mean stramn g normal to the fibers The crack distances
are plotted for four 90°-layers with a total thickness of 0 S
mm For cach layer less the crack distances must be
reduced by 0.146 mm.

Ay = Ag+ 0146 (m~-4) for | 90%}layers

CDs

Mean fayer strain ¢ { % ]

~ o~ ~ NN~

2 ™WIST 7] S~ IS

T TTsSE
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[} 1 2 k3 a4 5 6 7 8 9

No of load cycies logiN)

Figure 13  Mean crack distances in crossply
laminates after T-fatigue ioading

Stress ratn 01

T'he range of the undamaged state (UDS) 14 rather large
For an aircraft component, designed for <afe hfe, the
design straw for static loading 1s often hmited to ¢
0.3%. The actual scrvice load is lower and is a function
of the number of load cvcles Relevant values for load
sequences are plotted in Fig. 13, takea from the Fransport
Wing Standard (TWIST), {7] Both curves indicate, that
for a design hmat of about ¢ < 0.3 % the structure
remamns undamaged duning its service life, justifying the
common practice 1n aircraft design to cover the strength
degradation caused by dynamic scrvice Inadings by the
choce of a conservative static design stram of £ < 0 3%

Fig. 13 allows also an assessment of the cffeet, 1f the

design strain for static loaaing increases If the strain hmit
is elevated to € = 0.5% the first crack will be expected
after 107 load cycles and after 10° load cycles 2 mean
crack distance of 1.6 mm is achieved in a single
90°-layer approximately.

5. Residual stiffnesses of cracked UD-layers

In [8] a theory s developed for the analysis of residual
stiffnesses of crossply laminates. Since the common lami-
nate theory 1s not accurate enough to analyse local dam-
age, the formulas given in [8] must be simplified in ordet
to gencrate the constitutive cquations for the tridimen-
sional stress state of a multiple cracked UD-layer, sce
Appendix 11.8 in [2]

Displacement fields

Boundary conditions at the interfaces

uf{z="h) = x:4
vi(iz = h) = x4 y- &
w(z="h=x-Jqtry-y,+hg

Approximation of shear strains

T = &(X) 4 bi(x)- 2
Ty, 2= 3{x} + by(x)-Z

Figure 14 Presumptions for the analysis of cracked
UD-layers

The UD-layer 1s constramned at the nterfaces, which
causes constant strains in the uncracked layer Fig 14
tustrates the presumplions of the analysis, where the
prescribed constant strains at the interfaces are marked
by overbars The final formulas for the constitutne
cquations of multiple cracked UD-layers are given by

'0. ' l =% -T
5y £, -7, T
a, C.'.C” F-a.1
—|=] C,t(fli - 10—C— —_ (&)}
Tyr " Ter
zll 1473
Tw Tev

with the paramcter for stiffness reduction




tanh(yy)
Bt = B e
Y= AL Cs
= D C” (4)
v = A Y Cu
6 D Ceo
and where the indices
k=1 and ij = 1,2,3,5
k=6 and 1j = 4,6

mark the inplane stress states for tension and shear load-
ing, respectively Together with the formalas for the mean
crack distances in Tab 2 the residual stiffnesses can be
cvaluated in dependence on the number of foad cycles and
the mean stram ¢; of the layer

At the CDS the relative crach distance does not vary and
the influence on the residual stiffnesser 1€ even smaller
The following valucs give an 1dea of the owest possible
residual stiffnesses normalized with the corresponding
stiffnesses of the undamaged material

033 0.33 0.33
cns  ]0.330.99 078
O _ |03 01809 -
C, io
1o
059

Even at the CDS the residual tensile suffness perpes. lic-
ular to the fibers i< not close to zero as often assumed in
numcrical analyses

6. Generalized Crack Conditions

In MD-laminates layer cracking and delammation 1mer-
feres and intensify cach other. Despite of the synergism
only delaminations were modclled accurately.  whercas
layer cracking is either neglected or considered by reduced
stiffncsses only This process homogenize the matenal
with the effect that layer cracking hecomes insignificant
for the delamination growth This 15 not true in reality
and, therefore, some 1deas will be discussed here to over-
come this shortcoming

Ia order to describe the layer cracking 2 specific energy
release rate ¢ 1s defined by

G(A
g(/\): Allr J. 1 ~(~) - -dF (6)
e lr'a_"-'”'"‘

where G 1s the ERR at the tip of a growing layer crack
and A, F¢ aic the crack spacing and the cross-sectton of
the layer, respectively, Fig 15 The denommator of the
integrand describes the specific energy referred to the
no:mal of the crack surface
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Figure 15 Notatlon for the ¢ ¢ ERR
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HY = H%'.n, .n,

~ &
L = fgn

N

A ulde denotes the uncrached matenial and n, ate the
components of the umit vector norma! to the ctack surface
This defintion 1s well known for the shear-lag modct

In Fig. 16 the specific ERR 1s plotted versus the normal-
wed crack spaung A [ Acpe For the saturated crack
spacing at the CDS maximum values were achieved for
the speaific energy release rate independently of layer
thickness and loadiag If this holds for different matenals
and mixed loading conditions max g(A) can be used to
define the crack spacing A, ¢ independently of tests.
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Figure 16 Specific ERR for embedded cracked
UD-layers

In the next step the cnergy relcased at the delamination
front  will be observed more closely According to the
fracture theory the ERR 15 defined by

-— -——_l . I'. - -
G —Ala"-‘}n S Aa '[A" R, - Au, - da (®)

where Aa and Av, arc the fictitious crack cxtension and
the corresponding crack opening displacements, respec-
tively, and o".n, are the tractions vanishing at the new
crack surface. Numerically, the integratien s difficult to
conduct, because the stresses are singular at the crack tip
Therefore, the crack closure method is used for finite ele-
ment sojutions, where the integral in Eq (R) s replaced
by

- AU

‘-_AF—(' = G, 4G, G, )

(X157,

L]

-

S, and U, arc the compe nents for the forces and crack
opening displacements 1t the clement nodes, referred to
the axes of the moving trihedral and A 1s the arca of the
new crack surface gencrated by an clementwise crack
cxtension In Eq. (9) cach term of the sum desribes the
spliited ERR'< G, for the different crack modes These
salues are not invanant hike G but depend on the chosen
courdinate system Fherefore, anly mean values are used
n damage conditions




Crack front

Figure 17  Moving trihedral at the crack front

D,(G.extr G,:G .G < | (10

where the charactenstic values G , G depend on the
matenial only For homogencous material the mean aacs
are spanned by the moving tnhedral at the crack front.
Fig. 17, and the evaluation of Eq. (9) is sunplc. Problems
anse for composites, where the crack front is dirccted by
the damage in adjacent layers, so that the moving trihe-
dral dechines from mean directions.

In order to gencrate the mean axes, nodal forces and
-displacements are transformed to a rotated coordinate
system. The basic vectors € (p,) depend on the rotational
angles py, and the extrema of the ERR's

Kled an
ap,

definc the mean ducctions, This scheme follows exactly
the procedure for generating the mean stresses of a stress
tensor, when the generalized ERR-tensor

S,- AU, + S, - AU,

Gy = Im 2
k Zpreto T 4-BF 42
is introduced with the mvariants
ll = Gu
I = (- Gy Gy 4 G, Gy /2 (13)
'J = IGI],
Sinailar to the stress tensor a deviator may be defined by
D 1
G, =G,-3-1;-4, (14
with the invarants
=0
D _ 1 b D
ll H ? ° ('l] - ()" (19)
D I D D D
fy = T G, - (’l" - Gy,

indices which appear twice in a product will be summed
from | ... 3 The solution of the charactenstic cquation

Ao ey a1y =0 (16)
defines the mean values 2, for the splitted ERR s and
(Gy- X-8) ¢ =0

7
131 =1 an

the mean directions The vector €, must comcide with the
chosen direction of the crack extension For a delami-
nation in a layered composite the crack extends seifsimitar
at the interface. Thercfore, the axis €, = ¢, rcmams
unchanged and the components G, (x=1.2) must be set
to zero.

The ERR-tensor (12) 1s an cxtension to the common the-
ory The mean valucs 2, comncrde with the sphtted ERR's
G, and the first invariant 1s wentical to the total ERR G.
However, Eq (12) has the adrantage, that two more
mvarniants are available for gencrating more complex
crack conditions

Dy (1, A4 L. G) S R (1%

with the crack resistance
R =1 19

for homogencous matenial In Fig 1R an cxample 1s given
for a damage condition, which depends on the invanants
1, and /12 . I,¢ 1s the mimimum value for the cutical ERR
measured at notched UD-laminates stiessed perpendic-
ular to the fibers The open holes 1efer to layer cracks
notched off-axes UD-lanunates, {1] . and the dots mark

¥
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Figure 18 Interaction dragramie for matrix cracks

Materiat T300/914C
Reference ERR 1, 0 185 N/mm?

the valucs at the front of the embedded delamination
described in Fig. 9 The value for the edge delamination
1s only a first rough cstimation, because the subsequent
change of the delamination froat from onc interface to the
other was omitted, see Fig 7

The test 1esults define a scatter band, which scparates the
frozen damage state FDS fiom the growing damage state
GDS 1he most accurate measurements and modehng
were achieved for layer cracking in UD-layvers In Fig IR
the gencrated values mark circles close to the ;-hine. They
are accompanicd by dots for the embedded delammation,
where the crack front angle is close to # 457 o1 <457 Dots,
which refer to more dechined angles of the delammation
front, are concentrated at the lower nline Apparently,
the width of the scatter baad s not a tandom varable,




but depends at least on the angles between the layer
cracks and the delammation front and on the ciack spac-
ings.

In Eqg (IR) the left hand side depends solely on the mate-
nial. Heterogencous effects ke layer cracking can be con-
sudered by a change of the resistance R. A fiist proposal
migth be

“ Ay Sa, !

R=1¢ ZL——I%)—Qc(T) )
n-lu o
C, arc constants determined by tests, the ndices n~Lu
mark the lower and upper layer at the inteiface, respec-
tively. and the angles arc restrited to values between
F90". The parameters are depicted in Fig 19 In order to
verify Eq (20) tests are necessary, i which not only the
delamination front but alse the crack spacing in the adja-
cent layers has to be measured

Figure 19  Notation for the crack reststance R

7. Conclusions

For multiple cracked UD-layers embedded in MD-lami-
nates formulas for suffness reduction were developed For
service loading the reduction is rather small and influences
barely the delammauon process (in contradiction to inter-
face damage, which mflicts the delammation growths <ig-
mficantly) Because of the stll sigmificant residual stiff-
nesses more complex damage patterns were preveated Iike
yjumps of the delamimation to adjacent mterfaces

In order to avoid delammations spread over several inter-
faces,  MD-laminates  were  stacked by QD-layers
(f +2)-angleplics) solely These laminates are consider-
ably mote damage tolerant than those stacked by
UbD-layers only

The ERR 1s not 2 matenal constant and therefore insuf-
ficient to describe the crack growth In order te generate
more comples crack conditions an ERR-tensor was intro-
duced. The tensor defines not on'y the common LERR and
s subdivision for different modes but alco two more
invarants deseribing ERR < of tigher order A first pro-
posal was made to take mto account the texture at the
surface of layers adpacent to the delammation
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DELAMINATION DEVELOPMENT UNDER FATIGUE LOADING
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German Acrospace Research Fstablshment—DLR
institute for Structures and Desgn
Pfaffenwaldnng 38-10
7000 Stuttgart 80

1_SUMMARY

Examples of delamination development in CFRP impact
damaged specimens and structural pants under tensile and
compressive favgue loading investigated with help of the
ultrasonic in-situ (USIS) method are presented The evaluation
of the US-rear echo shows the mamifold ways of delamination
development depending on matenals used, configuration of
specimens, as well as loading conditions

) N

The tnvestigation of the capability of composttes to tolerate
reasonable level of damage or defects that may be encountered
dunng manufacture or in service is a very important topic that
can influence the criteria for predicting the performance of a
composite structurat part. Even wath impacts that show htile
tndication of damage at the surface. the matrix and fibre
damage in the interior of the laminate can be sigmficant
Delamination, matnx cracking and fiber breakage are three
damage modes that may be present 1n composite structures
Delamination is of primary concern, because it may reduce
significantly the strength and stiffness of the material and
consequently reduce the load-bearing capability of the
structure

Thus, in the nvesugation of delamination development in
composites under fatigue loading 1t is very important to try, on
one side to localize the nuclei of the damage and on the other
side to identify the nature of the occunng failure

The best way to monttore the damage development 15 with
NDI-methods like ultrasomic (US) and X-ray

In this paper some phenomenological aspects of delamination
are presented. The aim of the ongoing research 1s to comrelate
expenmentally the US inspection with damage development
and degree of degradation in CFRP flat specimens and small
stringer stiffened structures.

3_EXPERIMENTAL PROCEDURE

The materials used in this investigation were HTA7 and HM45
carbon fibres in a Narmco 5245 resin for the flat specimens
The laminate lay-up consisted of 47% 0" layers, 47% $45°
layers and 6% 90" layers, with a total of 17 layers The hybnid
laminates had the 245° layers from HM4S matenal For

Germany

comparnson purposes laminates with only HTA7 and only
HMA45 fibers having the same lay-up were fabricated by
Domier and also tested

Specimens of dimenstons 170 mm by 50 mm were cut from
the 2mm panels after impact damage and were fitted with
GFRP tabs. The barely visible impact damage (BVID) was
ntroduced 1n a drop weight test facility with the foliowing
parameters henusphenical steel impactor with a diameter of 10
mm, a mass of 300 g and a drop height of im The plates were
clamped between two steet plates with a hole of 20 mm
diameter

The matenals used for the blade stiffened panels were T300 /
Code 69 unidirecuonal tape prepreg, and A002 / Code 69.
fabric prepreg, both graphite epoxy 180 °C cure systems The
panels were curew after the one-shot method developed 1n our
Institute [1] The specimens 120 mm by 85 mm, 2mm thick
with 20 mm blade stiffeners, 44 mm apan, were cut from big
panels using a diamond saw and the loading surfaces were
ground flat and parallel to assure an uniform axial compressive
load introduction. The configuration of the tested specimens
are shown n Fig 1

3.1_Mechanical Tests

The fatigue tests were performed on a Schenk servo-controtled
hydraulic test machine, load-controlled with sinusoidal axial
loading at a frequency of 5 Hz The load level was chosen in
such a way that an evident damage propagation was noticeable
with the help of US-scanning
The blade stiffened panels tested under compression fatigue
(R=10) were simply supported at the loaded ends. and the
lateral edges weie unsupported.

An extensometer from Schenk with a gage length of 10mm
was used to measure the strain at the specimens All tests
were done at room temperature and hunudity,

3.2 Damage Monitoning Techniques

During fatigue loading the ultrasonic-in situ (US1S) method
developed 1n our institute 2] was used to evaluate the degree
of ¢amage progression USIS allows the US mnspection of
specimens without removing them from the loading frame
avoiding, firstly. the problem encountered with small




nusalignments of the specimens which can cause a change in
the direction of damage progression by clamping the specimen
again after each US-mspection. and secondly the immersion
in a water tank, a procedure which can lead to
misinterpretation of US measurements [3] The ultrasonic
equipment used was a Krauthrimer KB6000. a sclfmade
scanming mechanism and an IBM PC for data management
The results of the US pulse echo measurement are the standard
C-scan and the H-scan H-scan, which shows the 1sohyps,
lines connecting areas of equal rear-wall echo (RE) amplitude,
offers the possibility to quanufy the damage development in
the specimen

To momtor the damage development penetrant- enhanced X-
ray radiography (Seifert-Isovolt 60) was also used

4 TEST RESULTS AND DISCUSSION
4.1 Damage Development Under Faugue Loading

Fig 2 shows USIS H-scan pictures of a HTAT specimen after
different number of tensile fatigue cycles The grey scale
shows the degree of degradation of the laminate. 1¢ white
color no degradation, black color delamination

The quantification of the damage development in the
specimens 1s possible by means of calculating the US-RE-
mean value U for a specimen section related to the mean vatue
U, of the virgin specimen, or the RE-mean value of the
scannied section at the beginning of the test

The behaviour of U, / U, for the 3 sections, see Fig 1. under
fatigue loading can be seen in Fig 3 Companng the damage
progression in the first 2000 cycles we see that n section 11t
15 larger than in section 11, where the BVID damage was
introduced The degradation of the laminate in section HI
started at a manufactuning defect. near the load introcuction
region. in direction to the free edge and impact detamination
After 25900 cycles the delamination of the impact damage
(section [1) propagated to the one free edge and begun to grow
in direction of the other free edge mainly in the 90"-layer The
degradation 1n sections | and [11 have reached almost the same
level, being the growth steeper n section 11

For comparison purpose the change of slope of the load-strain
curve E, measured with the extensometer n section i related
to the nital E1 is also shown

Same investigations made with the HM laminates show a
different delamination propagation Here 1s primanly the 0°
layer delaminaiion which grows in the first 21000 fatigue
cycles, see Fig4, combined with the begimming of
delamination neur the load introduction regions After 30000
cycles sections [ and {1 of the specimen are almost completely
delaminated The behaviour of Ui / Ul can be seen in Fig §
The BVID damaged region. 1e section i shows less
degradation than sections Fand 1

The behaviour of the load-strain curve £1/ El measured again
in section 11 1s similar to the case of the HT- laminate, a
gradual degradation

Fig 6 shows that the behaviour of the hybrnid laminate 15
different to the preceding laminates Here. it can be clearly
seen that the beginning of the pnmanly delamination iniates
in the 45" layers The Uy / Ul development over fatigue
cycles reveals again a steeper degradation of the lanunate in the
sections [ and [1i. as shown in Fig. 7

Subsequent locat US in-situ investigations with the US-probe
placed near the impact damage during faugue loading of the
specimens confirm the damage development observed
previously Fig 8 depicts the curves obtained after the least
square method of the US-RE-amplitude measurements done
continuously over a period ot 10000 cycles HT specimens
show the least decrease of the RE-amplitude. meaning less
deterioration than in case of HM and hybrid laminates

Confirmation of the observed US-behaviour of the different
lanminates demonstrates the X-ray picture ot the penetrant
enhaced specimens in Fig 9 HT laminates don't show any big
change after a tensile fatigue loading of 10000 cycles In HM
taminates a parttal delamination of the outer 0° layers and the

beginming of the edge delamination 1s visible The hybrid
specimen extubits clearly the edge delaminatons and an
enlargement of the delamination in the 0° Jayer near the impact
region

The damage development 10 small blade stiffened panels made
out of UD layers atter different number of compressive fatgue
loading cycles 1s shown 1n the H-scan picture n Fag 10 a.
The change of L1 / Ul over the number of cycles. again for the
different sections. 1s shown in f1g 10 b Section Il shows the
steepest decrease 1in Ut/ Ul agamst the moderate decrease in
sections [ and {1l There 15 almost no slope change in the load-
strain curve £ measured at location RM of the panels

Fag. 11 a shows the H-scan pictures of the panel made out of
fabric layers after different number of compressive load
cycles The investigated fabnic panel shows a difference in Ui /
L1 nsections [ and 1 at the beginning of the tests. see Fig

11 b This difference can be attnbuted to small tregulanties in
the conjunction between suffener and panel Section |
degradates more than section I due to a premature buckling
of the stiffeners The highest degradation and delamination
development occurs in section 11

The slope change in the load-strain curve measured 1n the
tocation RM depicts a noticiable change between the .ast two
measurements This can be attributed to stability effects which
are nfluenced by the delamination propagation

5_CONCLUSIONS

The delamination development in HT, HM and hybnd
laminates with BVID impact damage under tensile fatigue
loading depends on the used fibres In all specimens a gradual
degradation of the laminates before delamination enlargement
was observed The evaluation of different sections of the
specimens show that not only the impact damage but also
fabrication defects as well as the load introduction regions play
an important role i the delammation development n
laminates

Small structural blade stiffencd panels under compression
fangue loading show different behaviour depending on the
matenal used A pronounced degradation of the laminate was
concentrated in the impact damaged section of the pane s
There is an essential difference 1n degradation development in
larminates upon their loading condition. Under tensile fatigue
loading the laminates degrade gradually over the whole
specimen Lnder compression fatigue 10ading the degradation
of the specimens 15 more pronounced 1n specific regions. e g




impacted damaged area, and they can influence the stability
behaviour of the structure.

The quantification of US-RE opens a possibility for the
prediction of degradation 1n composite laminates
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Fig 9 Penetrant enhanced (Znl,) X-ray pictures of impact
damaged specimens after 10000 load cycles ( from left
Hi. HM and hybnid)
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Numerical finite element analysis of damage using Monte Carlo techniques

G. Van Vinckenroy, W.P. De Wilde
Analyse van Strukturen - Vrije Universiteit Brussel.
Pleinlaan, 2
1050 Brussel, Belgium

1. ABSTRACT

A method, based on the finite element techmque, 15
proposed 1 order 1o study the behaviour of an adhestve
single lap joint, together with stochasuc material
properties, taking into account the uncertainties of
design parameters. The technique 1s applicable to linear
and non hinear problems, with more or less comphcated
structures. The needs are experimental determination of
the components properties and numencal tools.

2. INTRODUCTION

When modeling structures 1n which the vaniability could
be rather large, 1t 1s usuaily pdvantageous to use
probabilistic models rather thar determimstic models.
An ideal random process model will capture the essential
features of a complex random phenomenon with a
minimum of parameters, which have to be
experimentally accessible and physically meaningful.
Whether or not formal treatment of uncertanty 1s
warranted depends, among others things, on the quality
and quanuty of information data, the importance of the
problem and the resources at hand.

The problems involving structural analysis under non
deterministic loads and uncertain matenal properties are
nowadays solved using safety coefficients. Recently
developed methods, such as nisk analysis and stochastic
finite clement methods (SFEM) can be used to estimate
uncertainties of design parameters. In the SFEM, cach
material parameter is characterized by a statistical
distribution, whereas in classical FEM, the approach is
determimistic : a umque, defined value 1s used as design
parameter. Coupled to Monte-Carlo simulation, SFEM
allows 1o study the statistical distribution of the state
vanable under invesugauon.

3. EXPERIMENTAL TESTS

As explained before, the technique applied here rehies on
experimental determination of components of the
structure. the necessary parameters for the finite clement
model are determined by extensive experimental testing.

Experimental tests are performed on the matenals
involved i the structure of the adhesively bonded joint.
In this case, the adherend 1s aluminium, and the adhesive
1s a modificd cpoxy adhesive film. The tests are
performed following the ASTM standards and yicld the
data needed as put for the finite clement model, that is,
the clastic and ulumate propertics of matcnals.

Aluminium specimens are manufzcturated following the
B 557 M ASTM standard for rectangular tension test
specimens. Adhestve 1s tested in accordance to the
ASTM D 638 M. The tensile stress/stramn curve 1s
recorded on an Instron bench coupled to a data
acquisition system, and the Young's modulus, Poisson’s
ratto and strength are determined for each specimen. The
tests are performed for different specimens.

When performing expenimental tests, there are different
sources of uncertamnties on results values. They can be
classified in uncertainties due to measurement errors, and
uncertaintic- due to the inherent variability of the
matcrial properties. The latter can not be reduced, but
the former have to be reduced by performing more
experiments and by improvement of the sclected
experimental techniques.

The first aspect in the development of statistical
analysis i1s to choose a probability disinbution to
represent the parameters of the physical system, that fits
the sample data and that could be used 1n predicuon and
design. The choice 1s often difficult, depending on
operator judgment and prior experience. So, how to
choose a model ? [1]

There are two possible ways:

- by understanding the nature of the underlying
phenomenon under investigation and using then a
statistical model that follows the same principles,
verifying 1t with the available data.

- by selecung a model from a empirical distribution.
sometimes, due 1o the complexily of the system or
fack of understanding, a statistical model 1s selected
for its ability to fit the given set of data rather then
from s relattonship to the phenomenon under
study. Those models give no insight into the
mechanism behind the data, they simply serve as a
means {0 summarnize the data.

In a first nstance - and especially for problems
stemming from the second type of approach - classical
statistical distributions arc used to fit the data: Normal,
Log-Normal, Weibull and Exueme-values distnibutions.
Once the model has been chosen, its parameters have to
be estsmated from the data The data are considered as a
random sample from an infimte population described by
the probability distribution we selected. Because of the
randomness of the data, the estimate of the parameters
are random as wecll. General methods of parameter
cstimation do exist, the most common ones being the
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following. the maximum likehhood method, the method
of moments and probability plotting. Findlly, a
statistical test should be performed to determine whether
the chosen distnbution provides an adequate fit to the
data. Among the available methods, the correlation
cocfficient and the Kolmogorov-Smimov test are used.

The results obtained by the probability plotting method
arc summarized in the tables 1 and 2 for respectively the
aluminium and the adhesive.

For the alummium, the Wetbull distribution 1s the one
between the choosen distnibutions, that best fits the data
for strength and Young's modulus, whereas the
Poisson’s ratto follows a Log-normal or a Normal
distnbution.

For the adhesive, the Log-normal distribution 15 the one
between the choosen distributions, that best fits the data
for strength, Young's modulu., and Poisson's ratio.

Some expenments are performed on bondeg structures,
in order to obtain expenmental values tc be compared
with the numerical results and to check the vahdity of
the procedure.

4. MACROSCOPICAL MODEL

The structure 1s modeled by means of the finite clement
method, to determine a approximation of the state
vanables of interest, usually stresses and strains. In a
first instance, the model tests are performed with
determimstic parameter valucs, to check the vahidity of
the approximation  geometry and boundary conditions as
close as possible to the reality, element mesh fine
cnough to ensure acceptable accuracy

The second step consiss in introducing stochastic
paramcters values. If the structure is complex, it is
possible to apply the "zooming” technique te study only
the most crtical past of the structure before applying the
stochasiic treatment, i order to reduce computing time.

As a simple example, a three pomnt bending test s
studied. stochastic parameters are directly introduced 10
the full model. For the single lap, the "zooming"
techmque is applied, as the joint 1s submatted 10 a
complex stress state, ana this refined model will be
referred to as the microscopical model.

For the threc-point bending beam, we assume pianc
sirain conditions, quadratic elements, the material used
15 aluminium  Matenal properties are considered
determimistic 1n a firat stage, stochastic treatment 1s
applicd 1n a second instance, on the same model
geometry The state varable 1s the displacement of the
mid pornt on the lower surface of the beam.

A finite clement model of the adhestive single lap joint
1s built up We assume deterministic value for the
material propertics, thit is, the mean vilues of the
cxpenmental results are used as model input, for the
adherend as well as for the adhesive

The gecometry of the model 1s based on real values
obtained from test specimens. A two-dimensional model
with plane strain conditions is assumed, clemeats are
linear or quadratic, the applied boundary conditions are
choosen to represent the real test conditions as close as
possible (sce Figure 1.). The matenals are supposed to
behave hnearly or non linearly, depending on the
complexity of the model.

5. MICROSCOPICAL MODEL

A finite element model of a restricted zone of the single
lap is developed. we are interested n the interface
region, so that the mod~1 zooms on adherend, adhesive
and 1nterface (see Figure 2.). The aim is to reduce
computing time, and to construct a representative
volume element of the interfacial region. Different
stages are developed:

- zoom on the entire width of the bonded region;

- zoom on a local region at the end of the bonded
surface, where the stresses are of paramount
influence on the joint behaviour.

From the stress and strain patierns in the macroscopical
model, the boundary condiions on the microscopical
model can be determined by imposing forces (Neumann
cond.uons) or displacements (Dinichlet conditiens).

Neumann conditions.

In thus approach, the forces to be apphed at the boundary
nodes of the microscopical model are calculated by the
classicat formula of finite element method [2].

(Fle= [(B)cT {C) [e%)e V - [T [o0)° AV + fiNLT
ve ve ve
fledV + [IN]T (pledS
Se

with mial strain [€°) and iniual stress (9], volume
forces {f] and surface forces [p] applied to element ¢,
[N]e 1s the interpolation function matnix (shape
functions) for the displacement n clement ¢ (Jule) m
funcuon of nodal displacement ({q]e)-

In the case we are interested in, [pe ts the force vector
applicd by ncighbouring clements on the boundanes of
the microscopical model clement. It 1s possible to
determine those forees knowing the shape functions and
the nterpolation functions for the clement, the
constitutive stress/stram relatonships and the nodal
displacements  The antegral to be c¢valuated can be
expressed 1n the natural coordinates, aad numerically
calculated using Gauss-Legendre quadrature.

To reduce computing time required for cvaluaung this
integral to determine the boundary conditions on the
stresses, 1t 1s also possible to apply Dinchlet boundary
conditions, that 1s by imposing the dispiecements




Dirichlet conditions.

In this case, we just take over the displacements at the
nodes, determined by the macroscopical model. When
refining the mesh, additional nodes appear on the
boundary, whose displacements have to be calculated by
interpolation from the onginal nodes. In this case, only
the interpolation functions of the element have to be
known, and the only mathematical operation to be
performed 1s an evaluation of polynoms at given points.

6. PROBABILISTIC ASPECTS

When the fintte element determimistic model has been
set up, the stochastical aspects of matenals properucs
are introduced in the model It can be performed on the
macroscopical model or the microscopical model 1f the
zooming technique 1s applied.

The properties are supposed to follow a given statsstical
distribution, and not to have a defined value. Given the
distribution functons for the matenial properties, that 1s,
therr type and valucs of parameters, a random generator
program using nversion or transformation technique 1s
uscd to generate deviates from those distributions. The
random values of the stochastic properties are then
assigned to the clements of the microscopical model.
With the FEM, statc vanables are calculated for this
configuration of matersal propertics.

The Monte Carlo simulation consists now 1n assigning
other random valucs to each element, determine the state
variable and repeat the procedure 1in order to obtain
sufficient data to build up the stausucal distnbution of
the state variable {3].

The procedure 15 illustrated by the flow chart in Figure
3.

In the example of the three-point bending test, the
results are the following (as the results are ¢ btained
through calculation one takes more sigmficant digits
into consideration than would be the case with e.g.
expenmental results):

Deterministic case:

E-mod 72.087 GPa
Potsson's ratto® 0.3282

Displacement of the mid-pomnt. 4.1240 E-<4 mm
Probabilisuc case:

E-mod Weibull distnibution with average 72 087 GPa
and parameters 1) = 58 8986 and p = 72.7797

Poisson’s ratilo Normal distnibution with average
0 3282 and paramcters 1 = 0 3282 and 6 = 00032

Displacement  Normal distribut ... with average
4.1271E-4 mm (100 simulauons) and parameters yL =
4.1271E-4and 0 = 0.0311E4
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For the single-lap, wc are interested 1n the stresses
distnbution on the comer of the joint.

7. INTERPHASE EFFECTS

The difference between the numencal and rxpenimental
results fer the single lap strength can be attnibuted to
interphase effects. It 1s well known that the contact m a
Joint does not anse through a straight nterface, instead,
the surface treatment, necded for bonding structures,
affects the properties of the material at the surface. A
surface layer appears, which has a different composition
and morphology than the bulk matenal. The bonding
process 1tself creates an intermediate layer between
adherend and adhestve, wiih other properties than the
bulk matenal properties. As this layer has a non zero
thickness, 1t will be referred to as the interphase. The
bonding phenomenon arises from mechanical and
chemical effects on this layer.

The pracucal consequence is that the interphase can not
be simply described, depending on the matenals under
investigation, the surface treatment apphied, the
conditions for the bonding process,... . It 1s quite
difficult, even impossible to characterize the interphase
layer 1n a bonded structure (mechanical properties,
thickness, morphology,...) as 1t 1s in general
expenimentally unaccessible, and hypothesis have to be
made to modehize 1t. Numenical simulation taking the
presence of the interphasc into account can only rely on
informauon obtained on free treated surfaces.

In a first instance, the interphase 1s introduced into the
microscopical model as a layer of umform thickness,
whose value 1s approximated by experimental
measurements on oxydes layers of aluminium.
Typically, the thickness of such oxydes layers 1s of the
order of 0.5 mm to 5 mm, depending on the surface
wreatment. As the mechanical properties cannot be
measured dircctly, they are assumed, i a first instance,
to vary hnearly on the thickness of the interphase
between the properties of the two bonded matenals.
Agamn, determimstic and probabilistic finite clement
technique are used to study the state variable of the
microscopical model.

8. CONCLUSIONS AND
DEVELOPMENTS

FURTHER

It has been shown that maternial propertics can be
modcled with  statistical distnbutions as Weibull,
Normal or Log-normal distributions. Those
cxperimentally validated statistical distnibutions are used
by means of a random number gencrator acting on them,
as input for fimte clement models By repeating the
calculation process, this procedure allows the
determnation of the statistical distribution of the state
vanable 1in a mure or less complex problem. As an
application, this proccdure allows us to study the
influence of the interphase on stresses in bonded joints
In this case, simulation 1s necessary to compensate the
lack of information of available data
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Figure 1. Macroscopical model of the single lap joint

Figure 2 Microscopical model of the single lap joint




INPUT 1:
Statistical distribution for each
component variable

Y

Select a random value from each

of these distnibutions A
Y Repeat
several
umes
Calculate the valuc of state
INPUT 2: variable for a system composed of A
Relauonship between component > components with the values
variables and state variable obtained in the previous step
(F.EM.)
OUTPUT:
Summarize and plot resulting
values of state variable.
This provides an approximation
of the distibution of state
vanable.
Figure 3. Flow chart of the applied procedure
TABLE 1
Statistical treatment for Aluminium data.
Property: strength Young's modulus Poisson’s ratio
Distribution:
Normal (corr. = 0.978) (corr. = 0.900) (corr. = 0.891)
B 481.9202 72.1426 0.3282
[} 1.2329 15564 0.0032
Log-normal (corr.=0.978) (corr. = 0.920) (corr. = 0.893)
H 6.1778 4.2765 -1.1143
c 0.0026 00204 0.0097
2-p. Weibull (corr. = 0.983) (corr. = 0.962) (corr. = 0.783)
n 481.€ 58.8986 119.7088
[of 482. 4 72.7797 0.3296
Extremc-value(sm.) (corr. = 0.983) (corr. = 0.942) (corr. = 0.780)
n 1.0003 1.2160 0.0028
1 482.4371 72.7829 0.3296
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TABLE 2
Statistical treatment for Adhesive data.
Property: strength Young's modulus Poisson’s ratio
Distnibution:
Normal (corr. = 0.965) (corr. =0.983) (corr. = 0.889)
u 48 0022 2.5083 03905
o 0.5755 0.1352 0.0125
Log-normal (corr. = 0.966) {comr. = 0.985) (corr. = 0.893)
un 3.8712 0.9187 -0.9405
[ 0.0120 0.0537 0.0319
2-p. Weibult (corr. = 0.905) (corr. =0.950) (corr. = 0.839)
n 99.0449 22.3893 41.7007
G 48.2470 2 5636 0.3934
Extreme-value(sm.) (corr. = 0.903) (corr. = 0.942) (corr.=0.834)
il 0.4863 0.1129 0.0094
i 48.2493 2 5657 0.3935
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MODE 1l DAMAGE DEVELOPMENT IN CARBON FIBRE
REINFORCED PLASTICS

M.J. Hiley and P.T. Curtis
DRA. RAE Farnborough
Hants GUI46TD
Umted Kingdom

SUMMARY

A study of the mode II interlaminar fracture toughness of
unidirectional carbon fibre reinforced plastics has been
made using the End Notched Flexure (ENF) test A range of
fibre reinforced thermoseting prepreg systems including a
bismaleimide and four epoxy materials have been
wmvestigated, plus the thermopiastic PEEK A comparison
between the matenials showed the thermoplastic to be
sigruficantly tougher than any of the thermosetting systems.
The two phase epoxy system 914 and the BMI V390 had the
lowest toughness, with values of only 20% of those of the
APC2 PEEK. The potential link between mode I fracture
toughness and delamination growth and mpact damage
tolerance has been assessed

Measurements of delamination growth in mode 11 fatigue,
for three of the matenals, have also been made Potential
links with the materials susceptibility to the growth of
delaminations and 1ore generally impact damage during
fatigue loading have also been considered.

INTRODUCTION

The formation of delamnations within Carbon Fibre
Reinforced Plastics (CFRP), particularly those nduced by
unpacts, have imposed a humtation on the application of
laminated CFRP structures Delaminations substanttally
treduce the bending stiffness of laminates with the result that
buckling, under compressive loading, may occur at stramns
well below that of an equivalent undamaged laminate A
need to have to take into account such defects has resulted 1n
a conservative approach to design, with the effect that the
potential weight savings offered by these matenals have not
yet been fully realised.

Furst generation CFRP systems were manufactured primanly
with the aim of achieving high stiffness using epoxy resins
with lugh cross link densities. However, these resins were
quite brttle in pature and offered httle resistance to
delamination Tougher thermosets and thesmoplastics such
as PEEK have since superseded these early matenals, and
with therr development there has been a need for a better
understanding of delamination growth phenomena

In an attempt to assess the imtiation and propagation
behaviour of delaminations, a vanety of testing techniques
have cvolved. Most have been concemed with the
determination of quantitative fracture parameters such as
fracture toughness and cnitical stran energy release rate G
Commonly, in composite structures, delaminations are
subjected to mixed mode loading, ncorporating
combinations of mode ! (opening or peel) and mode Ii
(shding or forward shear). Test methods to cvaluate
toughness have been developed for both the pure modes and
mixed mode situations (refs 1, 2, 3) In developing methods

suitable for mode I testing, interest has focused on the End
Notched Flexure (ENF) test, demonstrated by Russell and
Street (ref 4), as a convenient method for the determination
of static values of Gyy.. Additionally the test may be easily
adapted to study crack growth n fathgue (refs 5, 6) Frgure
1 shows a schematic diagram of this simple test, which 1s
based upon the growth of an artificial delamination located
at the mid-plane of one end of a three pount bend flexural
specimen

The work outlined in this paper describes the evaluation of
mode Il fracture energies of a vanety of carbon fibre resin
systems using the ENF test Two forms of data reduction,
that of beam theory and that of comphance calibration, have
been examuned and 2 companson made between the two
methods The assessment of crack growth rates under fatigue
loading has also been made for three of the matenals
studied An analysis of the failed surfaces under the SEM 1s
also reported

EXPERIMENTAL PROCEDURE

Specimen manufacture and materials

Six different carbon fibre reinforced matnx materials were
studied including five thermosets, XAS/914, T800/5245,
T400/6376, T300/V390, T800/924 and onc thermoplastic
system AS4/PEEK. Twenty-four ply umdirectional
laminates 3mm thick were moulded from preimpregnated
sheets with mid-plane teflon tnserts 0 0Smm thick, except
for the PEEK panels for which kapton wmserts 0.06mm thick
were used Panels for fatigue specimens were moulded using
0.0Imm thuck wnserts Thermosetting laminates were cured
m an autoclave, according to the manufacturers
recommended cure cycle, and post cured as neccessary
Processing of the thermoplastic matental was completed
using a hot press at 380°C, and cooled at a rate of 4°C/min
through the cntical temperature range 380°C to 200°C
Although this cooling rate was below the manufacturers
recommended mummum cooling rate of 10°C/mun, previous
work on similarly cooled matenal suggested that the
morphology and degrez of crystalimty would be within
normal hmuts (ref7) The quality of all laminates was
assessed using an ultrasonic C-scanming techimique prior to
being cut nto specimens, approxirately 150mm long by
25mm wide. All panels were of very good quality with the
exception of the T800/924 matennal, which although
considered suitable for testing, was noticcable inferior when
compared against the other panels (this was a problem with
fabrication at RAE and not duc to any matenal deficiency)
Once prepared, the edges of the specimens were painted
white using a thin solutton of typewnter correction fluid, to
assist with visual crack length determination They were
then stored 1n a dessicator to prevent any uptake in moisture.
Spectmens that were exposed to the environment for any
petiod of time were dricd 1n vacuum oven at 60°C and the
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moisture content monitored until their was no further weight
loss.

Precracking

Prior to ENF testing, it was necessary to precrack all
specimens from the moulded nserts in order to produce a
sharp crack front Crack growth directly from the starter
film requires the propagation of the crack through the resin
pocket at the end of the nsert, and can give rise to elevated
values of Gyy,, (ref.8)

Two types of precrack were considered, that of mode I
(opening) or that of mode II (shear) Mode I had the
advantage that the radically different fracture surface
produced by peel failure facilitated easy 1dentification of the
forward shear surface produced in subsequent mode 11
testing Mode Il precracking had the advantage of producing
deformdiion at the crack up closely reflecting that of the
Toading conditions to be used duning the ENF testing, and 13
sumtar to that commenly found around impact sites For the
purposes of these expenments it was decided to use the
fatter method.

It has been shown that delamination growth duning the ENF
test can be either stable or unstable, depending on the ratio
of the 1mtial delamination length a, to the half span length L,
and that for the condition a/L>0 7 crack growth 1s stable
(ref 9) Precracking was performed under stable conditions,
using the three pomnt bend fixture shown in figure 2, by
controlled loading of the specimen until the crack had grown
to the centre position Loading was performed 1n position
control at a rate of Imm/min using a servohydraulic test
machine The tip of the crack was monitored visually using
a travelling microscope, and the final position of the crack
front marked on both sides of the specimen when crack
growth had ceased. Since it was important to know the exact
location of the crack tip before proceeding to the static and
fatigue tests, some of the specimens were examined by C-
scan to confirm the accuracy of the visual inspection This
was particularly useful for specimens having curved crack
fronts All specimen edges were sealed with a waterproof
adhesive tape prior to C-scanning to prevent the ingress of
water. As an additional precaution specimens were drned
overnight 1n a vacuum oven prior to final testing

Static ENF testing

Once precracked, specimens were repositioned mn the three
point bend apparatus with the central roller located to give
the required imtial delamination length. In contrast to the
precracking procedure, an /L ratio of 05 (where a =
17 Smm and L = 35mm) giving unstable crack growth was
used for this part of the experiment. Unstable crack growth
was utthsed since 1t produces a much more visible and well
defined pont  of delammation onset on the
load/displacement plot Loading was again perfermed 1n
position control at a ratc of Imm/min, and the centre point
displacement mcasured using a lincar vanable differcntial
transducer (lvdt), thus eliminating the necessity to have to
all,w for machine comphance Iigures 5 and 4 show typical
load versus disg.lacement plots for epoxy and thermoplastic
matenals respectively, from which Pe, the cntical load for
delamination onsct, and the comphance C, were determined
Five specimens of cach material were tested and a mican
value of Gy evaluated us'ng the data obtained

Compliance calibration

For static data reduction purposes, a comphance caltbration
was camed out for each matenal beiny, mvestigated. With
the exception of the T300/V390 and T800/924 matenals,
which were cahibrated directly from the insert, precracked
specimens were placed tn the three-point bend fixture with
the same span length L used for all previous tests Each
specimen was loaded at a variety of increasing crack
lengths, a, by shding the specimen along tn the fixture
Loadings were performed at several points along the beam,
over the range 2 = 0 to a = L A hmt of 50% of Pc, the
critical load for delaminatton onset, was mmposed smce it
was important not to extend the length of the delamination
For each new crack length a load versus displacement plot
was obtained, enabling the change 1n comphance C, with
crack length a, to be assessed Ideally comphance
calibrations should have been performed on every specimen
tested statically Howeve., owing to the time consuming
nature of the procedure, tests were undertaken on enly two
specimens of each type, and the results averaged

STATIC TES' N SIS

Two methods of data reduction were applied to the results
from the stalic tests, these were beam theory and comphance
calibration

Beam Theory

For an ENF specimen loaded in three point bending, a
condition of almost pure shear exists at the delamination
front The strain energy release rate for this condition can be
defined 1n terms of the Griffith-Irwin relationship

G=p2 x 4C M
2w da

where P = load, w = width, C = compliance = /P, § =
displacement and a = crack length

From the relationship above, Russell and Streetd have
denved a closed form etbuatmn for comphance C and strain
energy release rate Gy T based on linear beam theory.
Comphance can be d=fined as

C=203 233 @
8Ewh?

where L = half span length, E = axial modulus a:d 2h =
laminate thickness.

Substituting equation (2) tnto cquation (1) gives the
expression

GHCBT: %2&2(:. 3)
2u.(2L3 4 3;\3)

where P, = critical load for delamination onset

Compliance calibration

An alternative apjroach to data reductton 1s that of
comphiance calibration By measuring the comphiance wath a
small load isufficient to causc any crack cxtension, an
experimental curve of normalised comphance C/Co, where
Co 1s the comphance of a beamy with no crack, versus
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normalised crack length cubed (a/L3), 1s constructed. A
straight line fitted to the data yields

C = A +B@LY @
CO

where B 1s the gradient and A the y-intercept, which under
true beam theory would have values of 1.5 and 1
respectively. An expression for Gy, 1s obtamed by
differentiation of C 1n equation (4) with respect to a, and
multiplication with Pc2/2w to give

C ='\Co+BI%>“’)
& = 2
i

G =P2x g
2w da

Op®e= 382G, ®
2wL

Fatigue Tests

In contrast to the staic ENF tests, an Ivdt was not used
duning the fatigue tests, displacement was measured directly
from the the hydraulic ram movement As a result of this
change seve... modifications were made to the expenmental
arrangement. Before commencing the fatigue tests the half
span width L of the three point bend apparatus was mcreased
from 70mm to 100mm This was done to allow shightly
larger deflections for a given load, improving the
signal/noise ratio of the ram measured displacement

Since no static {oad versus displacement data was available
for the three pomnt bend apparatus in the new wider
configuration, static G"c tests were undertaken, as descnbed
previously, on three specimens of each matenial The values
obtaned, along with the cntical displacements for
delamination onset, were useful for seting up the
subsequent fatigue tests. Values of Gy determined using
the new configuration were found to be within 10% of the
values obtamned using the shorter half span width In the
present study only the matenals XAS/914, T80u/924 and
ASA/PEEK were examined in fatigue

Prior to undertaking the fatigue tests a compliance
cahibration was performed on each specimen This data
would be used later for crack length determination dunng
cyching. A relationship between the displacement measured
using the lvdt, and the displacement measured by the
hydraulic ram was a.so obtained, so that data could be
corrected for machine comphiance

Precracked specimens were placed in the three point bend
apparatus with the imtial delamination front positioned mid-
way between the outer and centre loading rollers (a=25mm).
The restraining fixture shown in figure 2 was adjusted se
that 1t just touched the undelaminated cnd of the specimen
A restraining fixture was added to the ENF apparatus duning
fatigue 1n order to prevent sideways movement of the
specimen  Sideways movement anses due to assymetnc
bending of the beam causcd by one end of the specimen
being  delaminated  Specimens of each matenal  were
fatigued under position control at a vanety of fixed

displacements insufficient to cause static growth of the
crack. Tests were conducted at a frequency of SHz using an
R-ratio of 0.1. The maximum load (P), and displacement (d),
were recorded against the corresponding number of cycles
N, by using a computer as a data logger

Two methods for determinng the fatigue crack length were
utilised dunng the expennment The simplest involved bniefly
pausing the test, and visually momtoning of the crack front
from both sides of the spectmen using a travelling
microscope. The second method utilised the comphance
calibration data obtamned earlier. Using the load versus
displacement data recorded on the computer, corrected for
mactune compliance, the actual comphance of the specimen
after a known number of cycles was determined From the
compliance cahbration data obtained for each specimen
pnior to fatigue testing, the crack length after a specified
number of cycles could be determined from equation (4).
The choice of method used was made according to the time
period over which the test was expected to run. Where tests
could be completed in a day, they were momtored visually,
but 1f expected to run overnight, when visual observations
could not be made, the comphance method was used When
both methods were used stmultancously, good agreement
was found to exist between measurements In the worst case,
only a discrepancy of 7% was 1dentified between the two
methods.

FATIGUE DATA ANALYSIS

From the crack length versus cycles data obtained for each
specimen, 1t 1s possible to descnibe the fatigue behaviour of
a composite under mode II loading using the well known
Panis equation.

da = AAG)B
N

where A and B are constants dependent on the matenal,
da/dN 1s the crack propagatien rate per cycle and AGy; the
cychic strain energy release rate

The crack propagation rate per cycle da/dN was determined
by plotting the crack Iength a as a function of cycles, as
shown 1n figurc S A polynomial curve was fitted to the data
and the equation differentiated 1n order to find da/dN after a
specified number of cycles In some cases polynomal
functions as high as the order of six were required to get a
satisfactory fit to the data

The strain energy relcase rate AGy corresponding to each
increase 1n crack length was calculated by differentiating
equation (2) and rearrangement of cquation (1), to give

AGy) = %a2(aRy? ®)
16K w?h?

where AP 1s the load amphitude Stnce AP 1s related to the
displacement A8 by AP = AY/C, Equation (6) can be
rewnitten 1n terms of 8 and C as

AGy = 2%a8) )
w2L313a3)C
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Fig 5 Crack Propogation Rate v. Cycles for XAS/914 - Polynomual fit to Experimental Values

Fig.6 T800/5245 resin fillet at end of insert Fig9.7 AS4/PEEK resin fillet at end of insert




F19 10 Shear Cusps m 1805245




It can be seen from equation (7) that for constant amplitude
cycling, AGyy increases mmally wnh crack length a, but at
longer crack lengths the (2L +3a3 ) term becomes domunant,
tesulting 1n a reduction of AG); past 2 maximum at a = 07L
Thus for many values of AG, two measurements of da/dN,
etherside of the maxima can be obtamed.

RESULTS

Compliance calibration

From the load versus displacement plots obtamed,
compliance values C for successive increments in crack
length, were determined for each specimen tested Values of
C were normalised by dividing by C,,, the comphance of the
beam with no crack, and the resulting C/C,, valuc plotted
against (a/L) The intercept on the y axis, A and slope, B,
were then evaluated by applying a least squares fit to the
data. Since only two specimens for each matenal were
tested, averaged values of the coefficients A and B, were
used 1n the final calculation of Gy,

Static ENF tests

The results of the static ENF tests, mcluding the values of
Gype” " and GHCCC are summansed 1 tables 1 & 2 An
additional value of load , that of PNL, has been incorporated
mto the table for the AS4/PEEK matenal As can be seen
from figure 4, this matenal exiabited a marked degree of
non-hnearity  during  the latter porion of s
*sad/displacement  plot.  Since  spectmens showed an
associated tncrease 10 comphance n this region, cnitical
values of strain energy release rate would not seem to reflect
accurately the true energy changes occurning during the test
A value of G“NL was therefore evaluated by substitution of
PNL e equation (5), to yield a strain energy release rate at
which the onset of subcnitical crack growth is thought to
occur

Fatigue ENF Tests

Using the crack growth data obtained from the three
spec:mens of each matenal tested, log-log plots of da/dN
versus AGyy were made, and the constants A and B
cvaluated Figures 14 to 16 show graphs for the XAS/914,
T800/924 and AS4/PEEK respectively

DISCUSSION

Before examming the results of the static ENF tests, 1t s
important to consider first th. precracking procedure
employed, since results suggesicd that the methed adopted
may have had a significant cffect on the magnitude of the
Gij values obtamned.

In all instances where a shear precrack from the msert was
required, 1t has been stated that the geometry of the ENF
system was arranged so as to promote stable, controlled,
crack growth to the centre roller, an 2/ ratio greater than
07 being used 10 establish this condition (ret 63 It was
interesting, therefore, to find that for a significant number ot
speamens, the observed crack growth was unstable m
nature, even when &L ratios i excess of 09 were used
fests performed on precracked specimens yiclded stable
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crack growth, as expected This latter point would suggest
that the observed unstable behaviour was n some way
attributable to the presence of the insert, in particular the
resin pocket found at its end Figs 6 and 7 show
mucrographs, taken using a scanning electron microscope, of
mserts found in the T800/5245 and AS4/PEEK materal.
Both show clearly the presence of a resin nch layer
extending approximately 0.2 mm nto the specimens. The
presence of such resin pockets serve to blunt the crack up,
effectively enhancing the imittal toughness of the system
The energy required to propagate a crack through the resin
pocket 1s substantally higher than that required to dnve a
sharp crack tip through the bulk composite matenial under
stable conditions When the encrgy 1s sufficient for crack
propagation from the insert, the extra energy 1s released by
the rapid propagation of the crack front in an unstable
manner Since the size of the resin pocket 1s related to the
thickness of the nsert, the only means of minimising this
problem 1s to use as thin an msert as 1s available.
Precracking 1n the fatigue specunens would appear to
support this argument, since stable precrack growth was
observed from the thinner 0 01mm nserts

An addiional effect of precracking on the Gyy, values
obtained 1s also ilustrated by the data in Tables 1 and 2 For
the 914, 5245 and V390 materials, toughness values were
determined from specimens precracked in both tension and
shear Although 1n each case only two specimens were tested
from a mode I precrack, all tested 1n this manner yielded 2
lower value of Gyy,. than equivalent laminates precracked 1n
shear Mote tesss are required, however, before any definite
conclusions can be drawn

Both methods of data reduction were found to be switable for
the purpose of comparing materials for their relative
toughness Beam theory was the most convenient, however,
primanly because of its smmphcity and the short time
required to perform each test Where toughness vaiues are
required specifically for calculation, a more detailed
approach to data reduction 1s possibly required (ref.7).

A companson of the Gyj, values obtained using the two data
reduction  schemes showed the comphance caltbration
procedure to yield conststently lower values than those
extracted by beam theory The extent of this difference 1s
attributable to a certain degree to the size of the coefficients
A and B, which 1n tumn are related to the accuracy to which
the comphance cahibration was performed Imtial attempts at
comphiance calibratton rev sed the procedure to be very
sensitive to crrors o crack length determination This was
complicated when the crack front was found to be curved It
has been descnibed how compliance calibration in the early
stages of the programme was performed on precracked
specimens, and at a fater stage directly from the msert The
latter offered several advantages, firstly the end of the insert
was stratght and casily vistble, and thus reduced the error in
crack length determination, and sccondly the compliance
«ahibration graph cbtained could be used after precracking in
order to reposition the speamen to the desired imitial crack
length required for static § NI testing  The speamen should
be hightly Toaded several times 1 different posiions until
the compliance obtained corresponded to the crack length
required  This was particularly useful where visuat and -
Sedn examination suggested the precrack front was curved.
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Whichever method of data reduction 1s used for companson,
it can be scen that the XAS/914 matenal exhibited the
lowest value of toughness of the thermosetting systems, and
the T400/6376 the tughest The thermoplastic AS4PEEK
matenal was considerably tougher than any of the
thermosetting systems, with a Gy, value approximately four
times that of the toughest thermoset Consistency between
individual sets of results was good, with standard deviations
for all of the epoxy systems being less that 10%

I'igs 8 to 12 show scanning electron mucrographs of the
sheared fracture surfaces of the five thermosetting systems
In all of the micrographs shown, charactenistic S shaped
cusps common to this mode of fracture can be seen (ref 11)
These fractures develop intially in the matnx as 450 tensile
cracks. As the surfaces move relative tu each other, adjacent
cracks coalesce, due to the constramning cffect of the
surrounding fibres The cusp features produced are useful
since they indiate the direction in which shear has ocourred
In all of the prctures shown, the mating surface has moved
in a night to left direction It was interesting to nute that, for
the smgle phase thermosets, matenials could be
appruximately ranked for toughness, purely by examination
of the fracture surfaces The I'300/V390 showed a sharply
defined bnttle type fracture, which reflects the high cross
link density and high glass transition temperature of this
matenal. The falure surfaces of the I800/5245, [800/924
and 1400,6376 matenials showed increasingly more ductile
behaviour, which pussibly accounts for ther additional
energy absorbing capability The XAS/914 matenal, shown
in Fig 8, 1s camphicated by the presence of a second phase
and not casily compared with the fracture morphology of the
single phase materials Fig 13 illustrates the sheared fracture
surface found 1n the ASYPEEK thermoplastic Sigmificant
ductile drawing of the matrix into fibnls has occurred,
compared with the thermosets Clearly this presents a
mechamsm by which the high toughness and non-hnear
behaviour of this matertal may be explained, and accounts to
some cxtent for the 23% difference observed between the
cnuical and nen-hnear values of Gy

Lxaminativn of the fatigue data showed the crack growth
rate for all speuimens to be quite stable, even though the
gevmetry of the system was unstable for the static condition
Figures 14 to 16 show graphs of the da dN versus AGyy data,
for the XAS/914, T800,924 and ASAPLEK, respectively
All three matenals gave a good linear relation to the Pans
crack growth law described by cquatien (7) Although the
results presented tn these graphs clearly show delamination
growth, 1t must be noted that several specimens tested at low
values of AGyy gave ne apparent growth, even after 4 milhon
cycles Ther clearly cwsts a threshold value of AGy below
which growth doces not occur The presence of ths threshold
appears to be shghtly visible 1 figure 16 for the PEEK
matcnal, where the data shows a small deviation from
lincanty at low values of AGy The general effect of
increasing static toughness Gy on the faugue results,
appeared to be to shift the whole of lho. crack growth dala to
the nght This was 1 tum a d with a corresy
reduction 1 crack grnwlh rate  Iittle difference v.a<
observed between the gradients ebtamed for the different
matcnals

The observation of reduced crack growth rates with
increasing matnx toughness conflicts with previous worh at
DRA Famborough, in which shear spht growth i fatigue

17-9

wads found to be more rapid in the tougher systems This was
used as a means of explaming the poorer fatigue behaviour
observed 1n many toughened composites (ref 12) The
reason for this may be that, in the current work, cracks have
been grown n an interlammar manner whereas the past
work considered splits along the fibres, in an ntralaminar
tashion Current work at DRA Famborough 1s addressing
this anomaly.

Fractographic examunation of the shear fatigued specimens
was not as useful as the examination of the static fractures,
owing to the significant fretting that had occured between
adjacent surfaces. Several interesting features were,
however, observed These included the identification of
ocasional striations, oriented perpendicular to the fibre
direction, within the matrix of all three matenials tested
Figures 17 and 18 show micrographs of stnations tn the
AS4PEEK and XAS 914 matcnals respectively  Close
examunation of the stnation features failed to identuify the
mechamism by which they form, or to establish a
relationship between their spacing and the cyclic load to
which they were subjected Extensive rolling of the matnx
debns had occurred giving nise to an abundance of mini-
matrix rollers (figs 19, 20) The sizc of these features
appeared to vary according to the distance from the
delamination front In close proximty to the crack tip the
roilers w 2re only small, away from the crack tip the rollers
dppedred to murease 10 size It may be pussible that these
roller features may actudlly senve to reduce the frctional
forces between the surfaces, once they have formed

The work descnbed in this report has enab; * hiable values
tor the mode II toughness to be determined for a range of
composite matenals  In these laminated matenials the
susceptibility to the mmuiation and growth of delaminations
might be expected to be related to the mode 11 toughness In
impact, delaminations form mainly under tne action of shear
stresses and in suvsequent loading undoubtedly grow due to
the action of simlar stresses Thus the damage tolerance
mght be expected 0 be related te the matenals mode J1
toughness To some extent this 1s true, with the tougher
thermosetting materials certainly showing greater resistance
to impact and mmproved residual properties compared to
standard materials However, the imtiation and growth of
defamnations 1s more complicated than the simple scenano
descnibed abeve  Undoubledly mode 1 toughness will also
fluence damage witation and growth In  addition,
thermoplastic materials exhibit behaviour very different
from that of thermoseting materials, with different damage
modes being observed Thus a very large value of toughness
does not necessarily confer very  good  delamnation
resistance, although the thermoplastic matenials generally do
show improvements over the thermosetting systems, but not
n relation to thar toughnesses Clearly other factors are
mportant, mcluding the fibre type and the fibre/matnx
mterface Certamnly further work is required to help explan
the relationship between damage tolerance and delamination
ressstance, and casily medsurable materials properties

USIONS

Ihe LNE test has been shown to be a useful tool for the
charactenisation of mode if touehness 1 carhon fibre
remforced plastics Compliance caltbration yielded shightly
lower values of Gy, than those from beam theory, however

I
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the difference 15 msigmficant when testing 1 bemng
undertaken for matenals comparison purposes only Where
values for accurate calculation are needed, a more ngorous
appreach to data reduct:on s probably required. Precracking
procedure. 1 particular the mode used, had a noticeable
effect on the Gy, values obtained In the present study it
was found that precracking  mode II gave nse to higher
toughness values than precracking in mode I In the
manufactunng of specimens 1t s recommended that an
msert as thin as 1s available 1s used to avord difficulties with
thz shear precracking procedure

Of the hive fibre retnforced thermosets tested, XAS/914 and
T300'V390 were found to have the lowest values of Gy,
and T400/6376 the hughest Fractography suggested that part
of the energy absorbing capability of the tough thermosets
may have been attnbutable to the increased ductihity
observed in the matnix Fxtra energy was apparently
expended 1n Jdeforming the tough matrices, 1n additien to
breaking bonds to form new surface Plastic flow extubited
by the PEEK matnx appeared to account sigmficanily for
the high toughness found in APC2

The relevance of Gy, with respect to design seems most
significant when considening low energy impact damage,
where the leading 15 essentially shear dominated It may
therefore be possible to relate impact damage levels to the
stramn energy release rate of a known system In the case of
compression after impact, however, peeling 1s probably also
sigmficant, requinng a mixed mode approach to mmpact
damage growth predictions

In faugue loading, the tougher matenals extibited stower
mode 2 delamination crack growth rates than the standard
XAS.914 mate-1al The sensitivity to fatigue, reflected in the
slopes of the dadN v Gy curves, was similar for the three
matenials tested Currern. work s considening crack growth
threshelds frem mmpact damage and will be related to this
work 1n a future publication
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BARELY VISIBLE DAMAGE THRESHOLD IN A BMI

Edvins Demuts and Raghbir S. Sandhu
Wright Laboratory, Flight Dynamics
Directorate, WL/FIBEC
Wright-Patterson Air Force Base,
Ohio 45433 USA

SUMMARY

This paper presents the test pilan,
equipment and procedures employed and
results obtained in an experimental
investigation of IM7/5260 graphite
bismaleimide's resistance to low
velocity impact. The two velocities
used were approximately 15 ft/sec for
the four groups of thicker and approxi=-
mately 10 ft/sec for the group of the
thinnest specimens. <“he planform
dimensions of the specimens were 7" x
10". The effect of two different layups
10/80/10 and 40/50/10 (percent of
0°/+45°/90° plies) on 1impact resistance
was investigated. There were five
thicknesses for the 10/80/10 layup - 9,
26, 48, 74, 96 plies and four thickness-
es for specimens of the 40/50/10 layup -
9, 27, 49, 73 plies. Four replicates
were used for each combination of layup
and thickness. Specimens were impacted
by a free-falling steel impactor of

1" diameter and with a hemispheraical
end. During impact, specimens were
sandwiched between a 1" thick steel
bottom plate and a 0.25" thick aluminum
plate, clamped by four corner bolts.
Both plates had a central 5" x 5"
opening whose center was aligned with
those of the specimen and the impactor.
The impactor, upon rebound, was caught
thus avoiding subsequent impact. The
resulting dent depths were measured with
a dial gage and an ultrasonic throuoh
transmission method determined the
damaged area extent. All testing was
perforned at room temperature. Speci-
mens were not moisture preccnditioned.

Results indicate that the post impact
dent depths and damaged areas of the
material investigated (IM7/5260 Gr/BMI)
are strong functions of the laminate
thickness. The effect of layup on both
the dent depth and the damaged area is
not uniformly consistent and, therefore,
a definite conclusion cannot be made at
this time. However, valid comparisons
cf three material systems, AS4/3501-6,
IM6/CYCOM 3100 a.ad IM7/5260, heving the
same layup (10/%0/10) reveal that both
the dent depths and th~ darageu areas of
IM7/5260 are smcller than those of the
other two materiais except for IM6/CYCOM
3100 laminates thinner than 60 plies
whose dent depths are smaller than those
of IM7/5260. It can be concluded that,
based on dent depths and damaged areas,
the toughened bismaleim:de (IM7/5260) is
more impact resistant than the graphite
epoxy (AS4/3501-6).

1__INTRODUCTION

The potential benefits to be derived
from the application of advanced
conposites to airframes coupled with the
demand for safety has driven composites
researchers to develop technology
necessary for reliable exploitat:ion of
the material. A logical approach has
been to provide a degree of static
strength, stiffness, durability, or
fatigue life, and damage tolerance to
the structure. These qualities comprise
structural integrity. Since fiber-
reinforced matrix composites have quite
different mechanical behavior and
properties than metals, the structural
integrity requirements for composites
are expected to be different and nust be
developed specifically for such
materials.

One of the peculiar characteristics to
most matrix materials used in composites
is their relatively brittle nature. Due
to it, it is possible to impact a
composite laminate without leaving a
mark or other easily visible evidence of
an impact on the impact surface while
causing considerable interior damage.
Aircraft designers and operators are
concerned about this interior damage
because, as found i1n a USAF damage
tolerance program, an impact at the
barely visible threshold level, where
the impact evidence just barely starts
to show, may cause interior damage such
as to reduce the original undamaged
strength as nuch as 60%. Damage above
this level, although more severe, cannot
escape noticing. Examination and
appropriate corrective acticn would
follow. Using the structure containing
the undetected damage may lead to a
catastrophic failure. To avoid such
failure, the design attempts to account
for such barely visible damage (BVD) by
using an initial damage assurmption
{IDA). IDA 1s arbaitrary, even when
specified, but tends to be conservative.
The US Air Force, fcor example, currently
requires the designer to account for an
1nitial damage that has been caused by
eirther an impact resulting in 0.1 inch
deep dent or a 100 ft-1lb impact,
whichever is less. Either damage is
caused by a 1" diameter hemispherical-
end steel impactor traveling at

16 ft/sec just before striking the
target. This requirement implicitly
defines the BVD as that due to 0.1 inch
deep dent. It governs the design of the
relatively thin laminates. As the




18-2

laminate thickness increases beyond a
certain value (approximately 0.25 inch
in AS4/3501-6 Gr/Ep), the impact energy
to cause 0.1 inch deep dent may exceed
100 ft-1b. Whenever this is the case,
the damage caused by a 100 ft-1b impact
replaces the damage resulting from a

0.1 inch deep dent as the IDA in
designing the primary components of an
USAF airframe. In case of laminates
thinner than 0.1 inch, to avoid
penetration and the type of damage
related more to high velocity impact, 1t
has been suggested to use indentations
equal to the laminate thickness (Ref 2}.
From the foregoing, it should be evident
why BVD is critical in the design of
composlte structures.

2 __OBJECTIVE

The main objective of the examination
presented in this paper is to
experamentally determine the damage
extent in moisture nonpreconditioned
IM7/5260 graphite bismaleimide when
subjected to low velocaity impact in
accordance with the current US Axr Force
requirements and the suggestion outlined
above in the INTRODUCTION. A secondary
objective 1s to make valid pre- and post
impact property comparisons of the
current IM7/5260 with IM6/CYCOM3100
graphite bismaleinide and AS54/3501-6
graphite epoxy.

3___APPROACH

The rationale for selecting IM7/5260
graphite bismaleimide for this
investigation was to verify its report-
edly improved toughness as compared to
earlier BMI systems and the popular
AS4/3501-6 graphite epoxy. The two
different layups of 10/80/10 and
40/50/10 (percent of 0%, +45” and 90°)
and the five different thicknesses for
each layup (nominally 9, 26, 48, 74 and
96 plies) were used to determine the
effect, 1f any, of these two parameters
on the 1impact resistance of the IM7/5260
Gr/BMI. The 10/80/10 layup due to 1its
relatively large percentage of +45°
plies (80%) and hence greater 0° strain
to failure capability was to represent
the "soft" end of the layup hardness or
damage tolerance spectrum. The 40/50/10
layup, being "harder", hence less damage
tolerant than the 10/80/10 layup, was to
represent a point 1n the layup hardness
spectrum where 1n comparison to the
“"software" some 0° stiffness and
strength had been regained at the
sacrifice of some damage tolerance. For
the purpose of characterizing the
material through the determination of
basic mechanical properties, 16-ply
thick unidirectional panels for tensile
and compressive properties and 8-ply
thick #45° panels for shear properties
were prepared. All panels were cured 1in
an autoclave according to the
manufacturer's specifications. After
curing, the panels were ultrasonically
inspected for manufacturing flaws.

Those panels passing the inspection were
cut into specimens with a 1/8" thick 8"
diameter diamond saw. Sizes of the

basic mechanical property specimens were
1" x 10" for 90Y tension and shear,

3/4" x 10" for 0° tension and 3/4" x 5"
for 0° and 90° compression. All basic
mechanical property test specimens were
tabbed. The impact specimen size was

7% x 10". Each of the six replicates of
the basic mechanical property specimens
was instrumented with two rosettes - one
on each side of the specimen. The
number of replicates used 1in the impact
tests was four and the specimens were
not 1instrumented. Neither the basic
mechanical property nor the impact
specimens were moisture preconditioned
but they were allowed to absorb ambient
moisture. All testing took place at
room temperature.

An impact of predetermined magnitude was
inflicted to each of the impact test
specimens by a free-falling steel
impactor of 1" diameter and a
hemispherical end. The intended
impactor velocity just before striking
the specimen was 16 ft/sec. The speci-
mens, during impact, were sandwiched
between two metal plates having a
central 5" square opening whose center
was aligned with those of the specimen
and the impactor. The plates supporting
the specimen were rigidly supported in
the vertical direction. During 1its
rebound from the plate, the 1impactor was
caught to prevent its falling back and
impacting the specimen the second time.
The raw data from the basic mechanical
properties tests were acquired through
the use of the VAX Data Acquisition
System. Among the data recorded 1in the
impact tests were the velocity and
kinetic energy of the impactor. The
histor:- of load and energy absorbed by
the specimen was automatically presented
in a graphical form by the computer
hooked up to the impact device. Dent
depth due to the 1mpact was measured
with a dial gage and the impact damaged
area was depicted by an ultrasonic
through-transmission technique.

4 DISCUSSION OF RESULTS

puring the cure of the 96-ply panel of
40/50/10 layup, faulty equipment caused
the loss of the whole panel. Hence
there are no data points associated with
this panel's thickness and layup. It
was determined that the average volume
fraction of fibers for all panels was
62%. The basic mechanical properties of
IM7/5260 graphite bismaleimide along
wath those of IM&/CYCOM 3100 Gr/BMI and
AS4/3501-6 Gr/Ep obtained by the authors
of this paper in sinilar tests (Pef 3),
are presented in Table 1. IM7/5260 is
superior 1n all ultimate stremngths by an
average of 29% 1n the matrix dominated
strengths (Fy™, Fi°, Fy*) and about 14%
in fiber dominated tensile strength
(F,¥) . Also, the fiber dominated
tensile modulus E;; and ultirmate

strain €}, are superior to those of the
two other material systems. It should
be emphasized that the thicker laminates
(48 to 96 plies) were impacted with a
100 ft-1b kXinetic energy while the
impact of the thinner laminates (9 to 27




plies) was governed by dent depths.
Kinetic energy for the 26 and 27-ply
laminates was such as to produce a

0.1 inch deep dent, and the target dent
depth for the 9-ply specimens was the
thickness of the specimen (0.0468"}.
Although the planned velocity of the
impactor for all impacts was 1o ft/sec
translating into a 3.98 foot height

(h = V'/2g) between the tip of the
impactor and top of the specimen, the
maximum

avallable height was only 3.55 ft.
Therefore, the velocities for all except
the 9-ply specimens were slightly lower
than *he required 16 ft/sec and they
varied between 14.77 ft/sec and

15.13 ft/sec. 1In the case of the 9-ply
specimens, to achieve the desired dent
depths of 0.0468" with impactor's
velocity at about 15 ft/sec (max
avallable), the weight of the impactor
would have to be lower than the nmininun
weight practically possible. This
condition compelled to lower the height
between the impactor and the specaimen
resulting in 9.90 and 9.34 ft/sec
velocities and thus in a technical
viclation of the 16 ft/sec impactor
velocity requirement. The actual
impactor velocities for each of the
specimen groups are shown in Table 2.
The dent depths and damaged areas
resulting from the 1impact tests are
given in Table 2 and are shown
graphically in Figures 1 and 2. As
expected, the impactor indentations are
greater in the thinner specirens under
the same impact energy. Except for the
49-ply specimens of layup #2 (.0/50/10),
the data indicate that danaged areas
tend to increase with increasing
thicknesses. It 1s suspected that the
recorded value of the 49-ply daraged
area is due to some, until now
undetermined, mistake. Hopefully,
investigation of the reasons for this
odd data point will conr:rm the
suspicion of mistake and will estabtlish
a clear trend for the damaged areas of
layup #2. Exanmination of the "Tine of
Maximum Load" values in Table 2 clearly
confirms the expected trend of such time
with respect to the laminate thic<ness.
One way to look at this phenomenon 1s
the following: as the laminate grows
thinner, the reduced bending stiffness
allows greater elastic deflections or
greater elastic strain energy stored in
the laminate until the max:imum elastic
deflection 1s reached and conseguently
the full impact load 1s felt by the
specimen. Also, the "Maximum Load"
values of Table 2, being greater for the
thicker laminates, fall among the
expected trends. The possession of
wmpact data of three material systems
(IM7/5260, IM6/CYCOM 3100 and AS4/3501-
6) with the vame layup (10/80/10) and
identical impact infliction, :1.e. sane
shape, size and support/fixture of
specimen and same impactor {Ref 2 and
3), permitted valid "apple-to-apple"
comparisons. Such conparisons of
indentation depths and danaged areas are
graphically shown in Figures 3 and 4.
Obviously, IM7/5260 indentation depths
and damaged areas are smaller than those
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of IM6/CYCOM 3100 and AS54/3501-6 when
subjected to a 100 ft-1lb impact energy,
except for indentation depths of
IM6/CYCOM3100 Gr/BMI laminates thinner
than approximately 60 plies. 1In thas
exceptional case, the indentation depths
of IM6/CYCOM 3100 are the smallest among
the three material systems under
comparison.

5. __CONCLUSIONS

Experimental evidence of IM7/5260
graphite bisnaleinide supports the
conclusion that both the time to develop
maximum load and the normalized dent per
thickness of laminate are decreasing
functions of the laminate thickness
while the maximum lcad felt by the
specimen and the energy absorbed by the
specimen at peak load are increasing
functions of the laminate thickness.
Also, the impact damaged area of the
10/80/10 layup is an increasing function
of laminate thickness. The same would
be true for the 40/50/10 layup i1f 1t
were not for a dubious data point,
currently under scrutiny. The 10/80/10
layup of IM7/5260 prodices significantly
smaller dent depths and impact caused
damage areas than the sare layup of
IM6/CYCOM 3100 and AS4/3501-6, except
for IM5/CYCOM 3100, 60 plies and
thinner, whose indentaticn depths due to
100 ft-1b impact are the smallest of the
three material systems being conmpared.
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Tabte 1
Basic Mechanical Properties at Room Temperature
IM7/5260 IM6/CYCOM 3100 AS4/3501-0
Gi/BMI Gi/BMI Gr/Ep
Elasic Modulus along the fibers mn tension Eyt 24 00 ms1 2220 ms1 2200 msi
Elasuc Modulus along the fibers i compression E;¢ 2020 ms 20 70 ms: 2020 ma
Elasuc Modulus transverse to the fibers 1n tension Ep 145 mst 154 ms: 148 ms
Elastic Modulus transverse to the fibers incompression Eg© 159 mst 150 msi 155 msi
Elastic Modulus in shear G12 082 mst 085 ms: 033 ma
Mayor Poisson’s ratio in tension le' 0297 0313 0277
Major Poisson’s rauio in compression u® 01355 0379 tT2
Ulumate strength along the fibers 1n tension Filt 33200 kst 280 00 ks1 2893 kst
Ulumate strain along the fibers 1n tension e % 140 118 130
Ulumate strtength along the fibers in compression Fi&%  165.10 ksi 209 00 kst 188 10 ks
Ulumate stramn along te fibers in compression €49 % 088 115 108
Ulumate strength transverse to the fibers in tension Folu 10 86 kst 736k 8.57 kst
Ulumate stran transverse to the fibers in tenston L% 0.78 055 057
Ulumalte strength transverse to the fibers in compression  Fa& 3770 kst 33.00 ks 34 20 kst
Ultmate strain transverse to the fibers in compression €9 % A 224 221
Ulumate m-plane shear strtength Fiou 1700 ks1 10 60 ks 14 50 k1
Ulumate in-plane shear stram Yi¥% A 2.40 14 40
1. Test env 100M temp bient reiauve humudity (TRA)
2. Sp bient, not preconditioned
3. Tension standard test
4. Compression* Rolfes fixture
5 Shear 1450 specimen tested 1 teasion
Notes.
A Ulumate strains not avaslable dae to imits imposed on data recorder
Table 2 Low veloaity umpact results
Time at Encrgy absorbed
e maeeee s aees by specimen
No Layup Kineue Velouty Max No Maxgmum eme sesme s een Dentdepth Damaged Somnanzed  Impact
of encrgy j{H load loag peak aino toad B ceat depdy governet
plhies (ft1b) (fsec) (msec) {msec) [H9) ft1d) {ft iy [ Lre)
96 1 103 50 1478 074 154 12,69 i032 67 0020 1295 Vo \
96 2 ewmmen eewaen e e e . e e e - e .
74 1 103 82 14 80 108 38 9406 1042 a1 R 078 {2 Tes A
3 2 10394 1381 123 373 %.583 1045 997 00150 X HESE] A
48 1 102 85 1477 5 8 6,752 1030 963 008328 442 RN A
49 2 10297 147 128 670 6,797 032 950 004823 1323 W2l LS
26 1 53 sa 151 §45 2,438 531 30 0 (0278 107 T02 B
27 2 5998 1513 S §ea7 2566 6o 606 0 10656 102 W09l B
9 1 1265 990 235 813 694 120 120 001975 gy 52 76 5
9 2 1126 934 2388 896 96 LR HEd 0 0S67S 23y (- B
1. Values shown are the average of four
2 Matenal IM7/5260 Graphite/Bismalermide
3 Layup' #1(10/80/10)
4 Layup. #2(40/50/10)
5. E room temp and ambient relatve huridity
6 Speaimen moisture  ambient, not mowsture precondiuoned

A, 100ft-Id
B. Depth of indentation
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Figure 2. Damage Area vs. Thickness for IM7/5260
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THE INFLUENCE OF PARTICLE/MATRIX DEBONDING ON THE STRESS-STRAIN
BEHAVIOR OF PARTICULATE COMPOSITES

E.E. Gdoutos
School of Engineering
Democritus University of Thrace
GR-671 00 Xanthi, Greece

ABSTRACT

A mathematical model to predict the nonlincar stress-
strain behavior of particulate composites is proposed.
The model consists of a rigid circular or square
inclusion embedded in a metrix across part of its
boundary, while the remaining part forms an interfacial
crack. The stress field in the composite plate 1s
determined by using the theory of complex potentials 1n
conjunction with the conformal mapping technique. The
local stress field in the vicinity of the crack tip is of
mixed-mode and it is governed by the values of the
opening-mode and sliding-mode stress intensity factors.
Initiation of debonding along the inclusion/matrix
interface and growth of the interfacial crack is studied
by using the maximum circumferential stress criterion
It is shown that the nonhnear behavior of the stress-
strain diagram of particulate composites can be
explained by studying the stable growth of the
interfacial crack along the inclusion boundary.

1. INTRODUCTION

Particulate composite materials consist of onc or more
particles of metallic or nonmetallic material embedded
in a matrix of another material. A common example of
a particulate composite made of a nonmetallic particie
system in a nonmetallic matrix 1s concrete. It consists of
a mixture of cement paste, sand particles and
aggregates and sets and hardens uppon addition of
water. It can be considered as a two-phase composite in
which the aggregates are embedded into the mortar
consisting of cement gel and sand particles. Mortar is
regarded as a homogencous and isotropic continuum
functioning as the matrix binding the aggregates.

Nonlinear response between load and displacement of
some particulate composites made of lincar clastic
constituents 18 & consequence of material damage by
internal cracking In concrete, for example, microcracks
are usually present even before loading at regions of
high matenal porosity near the interface between the
coarse aggregate and the mortar. They are caused by
shrinking of the mortar during drying out of the
concrete. Cracks are also present in the mortar matrix.
Under an applicd load both types of cracks start to
increase and new cracks are formed. The interface
cracks extend inside the. mortar and are connected with
the matrix cracks Aggregates act as crack arrestors.
The process of crack growth is intimately related to the
phenomenolocigal properties and the mechanical fatlure
of concrete.

The objective of the present work is to present a
mathematical model for the explanation of the
nonlinear response of some particulate composite. The
model is particularly suitable for modeling the nonlinear
response of concrete. It has been observed that for
concrete subjected to uniaxial compression and for
applied stresses up to about 30 percent of the uitimate
stress (f) the stress-strain response 1s linear For higher
stresses nonlineanty starts <o appear and a portion of
the clastic strain energy is consumed for increasing
bond failure. As the stress is increased above 70
percent f, mortar cracks start to propagate and the
deviation from nonlineanty of the stress-strain diagram
becomes more pronounced For a description of the
damage mechanism of concrete refer to reference [1}

Testa and Stubbs [2] proposed a model that considers
the effect of bond failure for the explanation of the
nonlinear stress-strain diagram of concrete . It consists
of a circular rigid inclusion modeling the aggregate with
two symmetrical interface cracks in a plate modeling the
mortar. Propagation of the interface cracks is
considered around the inclusion up to the point of
branching into the mortar The nonlinear stress-strain
response results from bond failure and depends on
various parameters including the strength of bond and
mortar and the size of the inclusion Along the same
tines, Piva and Viola {3] considered a nigid elliptical
inclusion partially bonded to the matrix For further
details on the mechanical modeling of concrete refer to
references [4] and [5].

In the present paper a model consisting of a circular or
square rigid inclusion partially bonded to a matrix is
considered for the study of the nonhinear behavior of
the stress-strain diagram of concrete under biaxial
loading. In Scction 2 the stress and displacement fields
for the case of a square inclusion are determined using
the theory of complex potentials. The problem of the
circular inclusion was not considered herc as it was
analyzed in reference {2] In Section 3 the local stress
field in the neighborhood of the end of the interfacial
crack along the inclusion/matrix bour.dary was analyzed
Furthermore, linear fracture mechanics was used to
study the growth of the crack along the interface or
into the matrix. In Section 4 the proposed model was
described and Castigliano theorem was used to
determine strains The results of the present work are
presented and discussed 1n Section §.

2. A RIGID SQUARE INCLUSION PARTIALLY
BONDED TO AN ELASTIC MATRIX

A typical element of the particulate composite is
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Fig. 1 Geometry and loading of proposed model and transformation of a square inclusion on to the unit
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represented in Figure 1 by a square elastic solid of unit
thickness and inplane dimensions 2dx2d containing a
rigid curvilinear inclusion with length parameter R. It
was taken R=1, so that d is indicative of the volume
fraction of inclusion The nslusion 1s perfectly bonded
to the matnr except from a part of its bouadary
forming an interfacial crack symmetricaily located with
regard to the x-axis. The element is subjected 0 &n
uniform biaxial stress system N and T along the axes y
and x at infinity. Let p and v denote the modulus of
rigidity and Poisson’s ratio of the matrix which together
with the inclusion occupy the z-plane. The inclusion
boundary A is described in a clockwise sensc so that
the matrix is on the left when moving on A in the
positive direction. Consider now the conformal mapping
of the z-plane on the {-plane by *he equation

]
z-m<c)=R[;¢-"- : 1
3 )

g+ exp(§ +in)

which trznsforms the inclusion boundary on the unit
circle T(1Z1 = 1) of the y-planc. The end points t,
= rexp(-if) and 1, = rexp(if) of the interfacial crack
arc mapped on the points oy = exp(-if) and 0, =
exp(ip) of the arcle I'. Denote by Ap the bonded part
of the inclusion and Ag the interfacial crack which are
maoped on the parts [y and I'g of T' It s easily seen
from equation (1) that the matrix in the z-plane 1s
mapped on the region L exterior of the curcle ' in the
I-plane. For b=0 the inclusion 15 a circle, while for
b=y/6 the inclusion is a square with rounded-off
corners.Due to the mathematical difficulties for the
solution of the problem of Figure 1 the case of an
infinite plate 1s considered.

Equation (1) defines a system cf orthogonat curvilinear
coordinates in the z-plane. The stress components
O, and O¢,, 10 the sysiem (§,1) and the displacem-
£6%n En
ent D-u+w in the system Xy can be expressed in terms
of the two complex potentials W(L) and W({) by the
following equations
2(ogg +10gq) = WO + WD)
-Im@ W)
Im @
28 m” () W(Z)
{m” (@

(29

2( g - 10g9) = WO + WD)
- Em@) W.(E)
tn @ -
- gm’(c)W(Z)
Im”Q
4u— = [xW@© - W Qhiim © @
+ (m@QW @) + m QW OIT

where x=3-4v or x=(3-v)/(1+v) for plane strain or
generalized  plane  stress  conditions  respectively
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Furthermore, the following notation has been
introduced
F (7) = F@ &

The boundary condaitinns of the problem may be stated
follows

oEgoio,m =0,
D-0, oeAp (4v)

0€Ag (4a)

The definition of the function W(Y) from the L region
outside the umt arcle I 1n the {-plane is now extended
to the region R inside the circle I' by the equation

m (W) = ‘""(OW‘-Z)

. .l_.m(() w il ©)
I 4
1

+Awdywdy, ter
" PE . e

From equation (4) we obtain
n (W) = - [m( )W(o]

1
e

> ©)
)W(Z , LeL
Intreducing this value of W({) into equation (2a) we
obtain

2m " ((oge + 10gy) = I QW Q)
- Im ()W)
g

[gm7 Q) - 2w (W (T) i
e U

- Im(@) - m(ITW ()
g

which expresses the complex stress Ogg +10g, in terms

of W(Q) dcfined in the region L and its analytical
continuation nto R

Equation {3) may now be expressed as

We (@) - W) =0 oerg (83)
xWé' (o) + W: (0) =0 oelp (8b)
where 1t has been put

Wo(2) = m (DW() ®

and WL(o) and WR(O) arc the limiting values of W(J)
as { tend to o from L and R respectively.

Equations (8) constitute a Hilbert problem whose
solution 15 [6]

Wo (7)) = X(Q)R(T) 10

where
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T @) - o) 019

R(D) =A1L + A9 + A4 (11b)
Y ISRV WY Ry Wi o

T=05+n, X=(lnx)/2n (1kc)

Function X(0) is holomorphic in the I-plane cut along
arc 'y on which it satisfies equation

xXL(0) = -XP(0) (19
Only that branch of the function X(g) for which

lim [(X({)] =1

L~

will be used in the sequel.

For the determination of the coefficients A; (j=1,0,-1,-
2,-3,-4) the condition that the complex potentials W()
and W() should be holomorphic in the entire plane
including the point at infimity is introduced. At infinity
they take the form

w(g) = NeT o] L (133)
2 ReE

W) =(N+T)-M2N" ol L | (13v)

nReE R3Q

From equations (13) it is obtained

Ay = R(N+T) (143)
2

Ag = -(cosP + 2XsinP)A, (14b)

For the rematning coefficients Al it 15 obtained

d 0 0 0]jAL] [30a,

dy dyg 0 © A.3=0 5)

d di do -dl|A.2| [bAy(D3-DZ)+R(N-T)

d3 d 4y do]{A4] o

where

do = exp[2h(x - B)] (163)

dy = dg(cosp - 2usinp) (16b)

d2=% dol(3 - &) cos2p -Bhsin2p +(1+43)] (169

dy
b
+ (1 + H2)9cosp - 6rsinB))

d3 = —[(15-36)2) cos3P - A(46 - 8X2)sin3p (16d)

and

D, = cosp + usinp 172

Dy = %[(1 + 92) + 3-402)cos2p + Brsin2p] (1)

For a dctailed analysis of the stress field in an infinite
clastic solid containing a rigid square inclusion with
rounded-oft corners refer to reference {7).

3. LOCAL STRESS DISTRIBUTION AND CRACK
GROWTH

A Cartesian coordinate system tox,y; centered at the
tip t, of the interfacial crack with the x,-axis tangent to
the inclusion boundary at t, is introduced (Figure 2).
Let point P in the vicinity of t, be described by t= o
exp(-a)(p< <1, 0<a<n). The complex poter: ..t W can
then be put in the form

R(Oz)

w() = +0() (18)
m (o) (02 - 04 )ht
where
he_'02 19)
|m'(02)|

We now define the complex stress intensity factor by

K = Kq = iKp = /2 im [yt W(1)] (20)
-0
Equation (18) renders
K = | [-Asinﬁ + Bcosﬁ] @1a)
N sinp 2 2
21b
Ky u ..2_ (Acosﬁ +Bsm£] @1v)
N sinf 2 2

quantities A and B are defir
equations

A =[Re[m"(0z)]Re[R(02)]
+Im[m” (02)]Im[R (02)]|Im (o)1

, the following

(222)

B = [Re[m"(02) 1 Im[R(02)] @2)
-Im[m” (92)Re[R(02)]]Im " ()12

In the above relations Re and Im express the real and
the imaginary part of the complex quantity, respectively.

From equations (2), (18) and (21) the local stress ficld
n the ncighborhood of the crack tip is obtained as

ogg = L K¢ cos.?.(l + singsm:;_a)
,211() 2 2 2 (233)
- Kpsin & cosE coss_a.
2 2 2

From cquations (23) thc polar stress components
o“.opp and Opq can casily be obtained




O = i[x, cos3 (1 - sini’.siniz'!)

2 (23b)
PN PSR S .
+K2un?(2 cos_z.cos_z_)]

1 o a  3a
On s._.[K1sxn._cos_cos__
Vane 22 3a2 (230
3 .
chosi(l sm.ismT)]

For monotonically increasing applied stresses N and T
growth of the interfacial crack takes place either along
the interface or into the matrix. The crack growth
condition is expressed as follows

VB 0a (0) = Kp @

for growth along the interface, and
VZng 04q(0p) =K, Ggq > 0 2

for growth into the matrix.

In equations (24) and (25) K,, and K, are the critical
stress intensity factors associated with crack growth
along the interface or into the matrix. They arc
material constants. is the angle that defines the
direction along which the stress 6,4, becomes maximum.
Equations (24) and (25) are used for the determination
of the critical applied stresses N and T for crack growth
along the interface or into the matrix.

4. DETERMINATION OF STRAINS

Strain e corresponding to applicd stresses N and [
(T=s N) is determined according to Castigliano’s
theorem. as

el 26)

where U is the strain energy per unit volume of the
element of Figure 1. U is calculated as

U=Up+U, @)
2 2

Up = ‘l—fv[ %80 * “mo
4‘;2 2E (27b)
[}

+ _gl;o - %Oﬁod,m_o dV'

U . 1% 20k + K)laryh Q10
4d2E

idtpl = R(1 + 92 - 3bcosdp) R ap (279)

where Uy is the strain energy calculated from the
uncracked specimen and U is the strain energy due to
the presence of the interfacial crack.

From equations (26) and (27) it is obtained
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z-%(%)"‘(xsnlcuo) @8)

where
I .Ioﬁ(if +K3)(1 + %2 - 3bcosap)'2ap (299)

1 2 .52
o~ g2 -0 * Pmo @0)

- BggoTmmo * 35§n.°)dv’

In the above equation it was put Kj = K; / VIR (=1,2)
and ‘-’Ii = 0jj0 /N (ij=§n).

S. RESULTS AND DISCUSSION

For the determination of the critical applied stress for
crack intiation the case of an inclusion completely
bonded to the matrix is considered. Crack initiates
when the maximum radial stress along the inclusion
boundary becomes equal to the bond strength Ny, The
radial stress becomes maximum for both cases of
circular and square inclusion at the point of the
inclusion bourdary along the x-axis Figure 3 presents
the variation of the normalized critical compressive

stress icr.o = Ner o/ Np for crack initiation versus the
biaxiality coefficient s (T=s N) for the cases of circular
(dotted line) and square (continuous line) inclusion.
Note that the imtiation stress is always larger for the
square than for the circular inclusion.

When a crack has already initiated the critical stress for
crack growth along the interface is determined from
cquation (24). Figure 4 presents the variation of the
normalized critical stress for crack growth along the

interface N'¢; = Ng,/nR /Ky, versus half crack angle B
for the cases of the circular (8) and square (b)
inclusions. The various curves of the figure correspond
to different values of the biaxiality coefficient s. The
stress N is always considered as compressive. Note that
N, decreases as s also decreases. N, becomes infimte
at =0 and some other value of B depending on s and
takes & minimum value at a critical half crack angle B,
between the above two values. This means that a
decreasing applied stress is needed to grow the crack
from B=0 to =B, that is crack growth up to the
critical angle B 1s unstable. Beyond B crack growth is
stable , that is higher stresses are required to increase
the crack.

The critical stress for crack growth into the matrix is
determined from equation (25). The variation of

N¢r = Ney /iR /Ky, versus angle P for various values
of the critical stress intensity factor K, for a awrcular
inclusion is shown in shown in figure S. Figure 5a refers
to uniaxial compression (s =0), while figure 5b refers to
biaxial loading with s=-0.5. Observe that N, decreases
with § and increases as fracture toughness of matrix K,
increases. In  the same figure the variation of N,

versus B for crack growth along the interface is also
shown by dotted line. The point of intersection of the
solid and dotted lines denotes a value of angle B at
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Fig. 3 Variation of normalized critical compressive stress Nero = Nero/Np for crack initiation versus
biaxiality coefficien: s for a circular (dotted line) and a square (continuous line) inclusion.

(a) (b

Fig. 4 Variaticn of normalized critical stressN ¢, = N.4/nR /Ky, for crack growth along the interface versus
half crack angle B for (a)a circular and (b) a square inclusion. Biaxiality coefficient takes the
values $=0,-0.1,-0.2,-0.3,-0.4 and -0.5.
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Fig. 5 Variation of normalized criical stress N¢, = Nc,y/rﬁ / Ky for crack growt': into the matrix versus half
crack angle B for a circular inclusion under (a) uniaxial compression and (b) biaxial loading with s=-
0.5. The critical stress intensity factor K, for crack growth into the matrix takes the values K=Ky,
=2Ky, =3Ky, =4K}, and =5K,. The crttical stress for crack growth along the interface is shown by
dotted line.

(b}

(a)

Fig. 6 Variation of normalized critical stress N, = Ncﬁ / Kp for crack growth into the matrix versus half
crack angle B for a square inclusion under (a) uniaxial compression and (b) biaxial loading with s=-
0.5. The critical stress intensity factor K, for crack growth into the matrix takes the values K, =Ky,
=2K,,, =3K,, =4K, and =5Ky,. The critical stress for crack growth along the interface is shown by
dotted line.
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Fig. 7 Stress-strain response for a circular inclusion under (a) uniaxial compression and (b) biaxial loading
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with §=-0.5. d takes the values 1.05 and 1.25.
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Fig. 8 Stress-strain response for a square inclusion under (a) uniaxial compression and (b) biaxial loading

with $=-0.5. d takes the values 1.05 and 1.25.




which conditions of crack growth along the interface or
into matrix are equally favorable. Results analogous to
those of figure S for a square inclusion are shown in
figure 6 Note in this case that N, does not decrease
continuously with B, as in the case of circular
inclusioa, but presents 2 minimum in the internal
bspssoo.

Based or equ .tion (28) the overall stress-strain curve of
the composite was determined. To obtain numerical

results it was assumed that Ky, / (EYRR) = 1074, which
represents & typical bond strength in  concrete.
Furthermore, it was taken that the critical stress for
crack initiation is z4ual to the minimum stress at which
stable cr¥ick growth occurs (see figure 4). Figure 7
presents the stress-strain curve of the composite
containing a circular inclusion with d=1.05 and d=1.25
subjected to uniaxial {9} and biaxial stresses with s=-0.5
(b). Analogous results for a square inclusion are shown
in figure 8 There are three distinct segments of the
stress-strain curves in figures 7 and 8 An inival linear
part during which the inclusion is perfectly bonded to
the matrix; a horizontal portion which refers to
initiation and unstable growth of bond cracks up to a
critical angle (see figure 4); and 3 nonlinear segment
during which stable growth of the interfacial crack
occurs.

6. CONCLUSIONS

A simple mathematical model to predict the nonlinear
stress-strain response of particulate composites with
particular relevance to concrete was proposed. The
model consists of a rigid circular or square inclusion
pantially bonded to a matrix and considers the
propagation of the interfacial crack along the inclusion
boundary The boundary value problem in the
composite plate was reduced to a Hilbert problem by
using the theory of complex potentials in combination
with the conformal mapping technique. The local stress
field in the vicinity of the tip of the interfacial crack
was expressed by the values of the opening-mode and
sliding-mode stress intensity factors. The results of
siress analysis were combined with the maximum
circumferential stress criterion to study the growth of
the crack. Strains were determined using Castigliano’s
theorem and results of stress analysis. The results of the
study were presented in figures 7 and 8 and establish
the dependence of observed nonlinearity of particulate
composites on second-phase volume ratio and shape and
other relevant mechanical parameters.
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IDENTIFICATION OF DELAMINATION BY EIGENFREQUENCY DEGRADATION- AN INVERSE PROBLEM.

B.STAMOS
V.KOSTOPOULOS
al S. A. PAIPETIS
Mechani . Dept., University of Patras

Zggl Patras, Gmwc.y
SUMMARY. for a delaminated cantilever are given and compared 10 the oncs
The free vibrations of a delaminated composite beam is investi-  produced for a simply supported beam. Conclusions and hints on
gated. Theeffectof interply delaminationsonthe cigenfrequencies  design are finally given.
of the beum is eval both analytically and numerically in the

geoenal case of an asymmetric laminate with a delamination of
arbilrary size and location. ing between longitudinal and
bending motion is considered, which affects the natural frequen-
cics of the delaminated beam sigmificantly. In | the delami-
nation causes the even numbered vibration todegrade, c.g.
1o decrease, faster than the odd oncs. An inversion method (o
determine position and size of the delamination is proposed, based
on the degradation of the first two natural freq =ncies.

1. INTRODUCTION.

Delaminations in composite laminatces, originating from a variety
of reasons {1), have a detnmental effect on their structural per-
formance and can be cntical with vibrating laminated structures
The suffncss reduction thus produced causes the natural frequen-
cies of the structure 1o decrease, while, since stress distribution 1n
8 vibrating structure 1s non-uniform and diffcrent for cach mode,
any localized damage, depending on its particular focation and
size, would affect each mode differently.

The influcnce of internal damage on modai parameters 1s import-
ant, both as a direct and as an inverse problem The shifting of the
cigenfrequencies has been used to identify internal damage duc to
various reasons, such as impact loadm? and matrix cracks [2,3]
and in combination with the decrease of storage modulus and the
increase of internal damping, to determine mechanical damage,
such as sawcuts and local crashing [4,5).

Comparisou of natural frequencics of the integral structure, ana-
lytically evaluated and/or experimentslly mumcd. to those
measured at certain hife stages of a structure, offers a possibility 10
detect the development of damage and to identfy its size and
location. Results forasimply suj laminated beam have been
recently reported [6]). The respective model allows forindependent
extensional and bending stiffnesses and includes the contact effect
(no friction) between delaminated free surfaces.

In the present work, both symmetnic and asymmetnc vibration
modes of a delaminated composiic beam were 1nvesigated, while
an inversion technique is proposed for the identification of delami-
nation position and size. At this first stage 1t was assumed that the
delamination was located on the middie surface of the beam and
that material damping remained unchanged. In fact, st was at-
tempted to determine an "equivalent” delamination focated on the
middie surface of the beam, causing the same frequency shifts as
the real defects existing in the structure. This inversion procedure
is in the sequence applied on a cantilever, c.g. a more flexible
structural clement as compared to the simply supported beam,
permitting thus higbcrcigcnfrcqucncyshxfting.']‘hccanlilcvcrabo
secures uniqueness of inversion, as it exhibits no symmetrical
vibration modes.

In the se&ucnoc. the general casc of an asymmetnc composite
beam with an interply delamination is studied both analytically
and numerically, and the effect of the particular location of the
delamination (with respect to length and thickness of the beam)
and its size, based on the first four natural frequencies is analyzed.
Results are given for a symmetric beam as well, taken as a special
case of the gencnl problem, by which extensional/bending stiff-
ness B, vanishes.

Furthermore, the inversion technique for the identification of
location and size of the delamination, using the shifting of the first
two natural frequencics and based on the above assumptions, is
presented along with the respective numetical procedure Results

2. FREE VIBRATION OF A DELAMINATED BEAM:
ANALYTICAL FO..nuLATION.

The analysis 1» based on Euler beam theory. Consider the lamy-
nated beans of Figure 1 with unat width, thickness ¢ and length L.

jh
........ m---_---_-- t
xu
L
i ole
L T i

W
Figure 1: Geometry of the beam.

Adelamination of length £ is located at adistance h from the upper
surface and 1> extended parallel to the beam axis. The beam can
be divided into four segments as shown 1n the free body diagram
of Figure 2, cach onc charactenized by an extensional stiffness A,
an extensional/bending suffness B,, a bending stiffness D, and a
mass density per unit length m,. When the beam 15 distorted from

Ao et o

Figure 2: Dynamic delamination mec _. ..

the undeflected position, seif-cquilibrating axial forces Py 1n
segments 2 and 3 develop. The governing differential equatron for
cachsegment 1s°

Alh =B Wi =0 (1)
D, w,m-B,u,m-m,wzw, @
The differenial equations (1) and (2) form a coupled system. By

differentating cquation (1) and substituting 1nto equaton (2), one
obtains.

W o M.TZEW'.-O 3)
I A

Using the defimtions:

k,‘-m,%; 1),‘-1).-%‘z @

equation (3) yiclds:

Wyroer = kS W, = 0 0)

which has a general solution given by:
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wi(x) = cosh{kx)Cit + sinh(kx)Ciz
+ cosh(kx)Cis + sinh(kx)C.s

where cosh, sinh, cos and sin, are the hyperbolic and circular
trigonometric functions respectively. By substituting equation (6)
into equation (1? and by solving the resuliing nonhomogenous
cquation, the following complete solution 1s obtained:

imtnd (6

a) = B+ Bk + S SOBAXICa + 7ok cosh(ke)Cia
- %k, sinh(kx)Cis + %k. cosh(kx)Cu  t=1,..4 (7)

uations (6)and (7) twenty four unknownconstants One
cEgn ignore rigid mon with no loss of generahty, and
Bjp = By = 0. The boundary conditions for a simply supported
beam are:

For x=0

wi=0 @)

My=0 (&)}

Py =0 (10)

For x=1;

W) - Wy (“)

wi=ws 12)

dwy dwy

- & (13)

dWl dW3

il (14)

V|¢V2+V3 (15)

t H t h

Ml-MZ+M3+P’(E-_Z-)-PZ(E-E) (16)
t h\dw

uz-un[z-z) o ty
1_Hydw \

“3'“1‘(2 2} = (18

P;+4P3y=0 19)

For x=1; +12

Wa = Wy (20)

W3 =Wy (ed)]

dw2 dw,

poallrs (22)

dws dws

ehns &% 23

= & 23)

V24 V3aV, (24)

t H t A

MA-Mz#MgivP:('i-'z')-Pz(i-’i) (25)
t dw,

Uz=Uy + 2 dx (26)

For x=L

wy=0 (27)

Mi=0 28)

Py=0 29

By using the defimtions of equivalent bending moment and of
transvene and axial force:

M.--D.‘ﬁ";m,%
X

d

d'w,
Ve = G0
dw,

du,
P;-A.-Z:—-B

the boundary conditions lead to a 'incar sct of iwenty two komo-
geneous cquations with twenty two unknowns. In order to use
dimensionless parameters, let m, ¢, L, D be mass per unit length,
thickness, lcnglh and bending stiffness of the undelaminated beam
respectively. By defining:

Di=Di=D, memeem he Het

D, Dy - m
D;- D' D= D' mye= m

ma- 5.t gl
m ! [

A3 AL AJ_?_
x-Az' Ri-top B=12p

Bk b g ek
2 Ly_l L- 2 z‘L
seX gt pomol

L D, D

Gn

32

and subsuituting into the boundary conditions, an cquivalent bo-
mogencous sct of the twenty two cquations results. first three
and the last of the bovndary conditions yield
Ci1 = Ci3 = By = Biy = 0 The final set of homogencous cquations
1S next given it matnix form:

MV, ]1-10) (33)

where [Qy)) contains the cocfficients of the cighteen unknowns,
components of the vector (V)]

For a non tavial solution of the set, the determinant of the latter
must vansh. When for two valucs of X the detcrminant changes
sign, a solution lies within the respective interval. The exact
solution is obtained by a bisection method.

Figure 3 shows the degradation of the first cigenfrequency for a
(90/0)10T compositc beam against delamination length for 520.5
and for different distances of the delamination from the ncutral
axis of the beam. As this distance increases, the degradation
ncreases {00. These results are in good agreement with the rele-
vant resulls by Wang et al. [7).

Figure 4 presents the degradauon of the first eigenfrequency
plotted agai.st the dezamination position along the x-axis, for
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000 020 040 0€ o%n 100

Dimensioniess delamaduon length Ty

Figure 3: First frequency mode for various heights of delami-
nation iversus its length




T:#0.25 and for vatious distances from the neutral axis. Asthe latter

d , the degrad of the patural frequency increases and
this effert is more pronounced if the delamination is located closer
to the ncutral axis of the heam.

Asitis evident from these two figures, the position of delamination
*5* docs not affect the cigenfrequencics as drastically as its length.

Figures 5 and 6 arc analogous to the previous ones, but for a
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Normohized frequency ()
H
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First mode, (90/0)v . 142025

9500

000 020 040 08 080 +d0
Oimensiontess position of de'am noton s

Figure 4: Firstfrequency mode for various heights of delami-

nation i versus its position s.

symmetnic stacking sequence (0/902/0)io1 The eigenfrequency
for a symmetnc lamimnate is not as sensitive towards delamination
as the asymmetric one, since the degradation is probably less duc
to the absence of couphing.

Figures 7 and 8 show the degradation of natural frequencies for
the first four modes of a (90/0)10T faminate as a function of length
and position of a delamination located on the midplare of the
beam. Obviously the influcnce of the delamination on the vanous
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Figure 5: First frequency mode for various heights of delami-
nation 7i versus its length .
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Figure 6: First frequency mode for various heights i versus
delamination position s
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vibrating modes 1s different. Furthermore, the diagram 81s sym-

metric with respect to the middle pont of the ixain (s=0.5) and

10090
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°
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Cimensicri'ess pesition of delommnation
woo =05 (90/0)r ~=05
000 Q20 040 060 0% 100
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Figure 7: The first four modes for a (90/0)sor versus delami-
nation length > when it extends on the neutral beam axis.

this proves that the delamination with constant length 7; has the
same cffectonthe ergenfrequencies if located forexample ats=0.2
or s=0.8.

3. FINITE ELEMENT APPROACH.

Consider a laminated composite beam situated just above the x-y
planc [8-10] (Fig. 9). The n-planc and transvense displacements
(shear deformation is also considered) are

e %0 PSR
?fa' PN
- B
20 3 ;
2 nn ;\\ ; ;\.’;“\
> [N
€ ' ‘y .
S %0 v .,
& \ LY
4 7
. Crversiniess 2oz = ten lor5tn "l 29
PRkl IRCIS M R ’
? 22020 Mode
o 0% 1 2800c Weds 2
z as858 Moge 3
L1212 Moce 4
8%,
300 0 34 Lol 8 vy

Crrensica™sss sestmm 0 de imngion

Figure 8 The first four modes for a (90/0),or versus delami-
nation position s when it extends on the neutral beam axis.

u(x,2) = ug(x) + 2 (x) (39

w(xz) = w(x) (33%)
where uo(x) 1s the axial displacement of points 1n the plane and

—
M 2 :
v: ':
Figure9 Beam finite element with nodes offset to the bottom
side.

P (x)1sthe rotation about the y-axis The transverse displacements
w(x) are assumed to be constant throughout the thickness of the
lamina.c. The strains can be derived as

[y %:— -ti+2zK;

. ow . ©6)
Ya = Fr + s -ts
The force and moment resultants are defined as
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A

MO}« [ [0, 201, 05)dz cp)
4

Assuming no berding-twisting and cxtension-twisting coupling i

the laminate and a state of plane strain })arall:l tothe x-z plane, the
stress-strain relations for a layer are of the form:

Ou=01 = Oiifen Tuz = Os = Psstur (38)
The force and moment resultants are given by the relation:

N An By 0 ] £
M|=1BuDy 0 [ 11
Q 00 Ass‘ €3

¢9
where the stiffness cocfficients of the laminate are defined as
A
{A1s, Bu, D, Ass) -f[Qn. 20, 20uiDss)dz (40)
L4

In the above cquations &f = v, 1s the beam curvature and the shear
correction factor k may be assumed cqual to 5/6. The above
relations refer to a lamunate lying above the x-y planc. For a
laminate below the x-y plane, the lower and upper limits of
integration 1n cquations (37) through (40) are from -4 to 0.

The differential cquations of motion for a beam bending problem
mn terms of force and momznt resultants are given as follows:

N, .
%1 = Titdy + I,

M i
;‘ - Q1 = Ll + Iy, @1)

where N, Q; and M, are the resultant axial and shear forees and
M, the resultant bending moment respectively. Also Iy, fy, Iy are
defined:

h h
h-fpd, L=fpzds

o o

N (42)
ls-fpzzdz

Subsututing the appropriate relations 1n cquations (41) and ap-
plying the Rayleigh-Ritz method to the final equations, the fimte
clement equations assume the form:

(Kn) {K2} {Kus) (M) [Mi2] [M13) u] [0
[Kz) K] |- o® [Mz] (M) | | jw[=]0] @3)
sym. {Ks) sym. {M3) w| |0

The elements of the mass and stiffness matrices are given analyt-
cally in the Appendix.

The clement used for the FEM analysis has seven degrees of
freedom and its shape functions are given in the Appendix. It is
nteresting to note that if one combines stiffness and mass matnices
of the top and bottom element, the corresponding matrices of a
conventional beam element with nodes at midplane is recovered.

By using this type of approach, the laminated composite beam 1s
assumed to consist of two layers of heam elements hinked together
by common nodes :n the undelaminated region. No friction be-
tween the upper and the lower sublaminates cxists. In the delami-
nated region the relative nodes of the upper and lower layers were
linked by means of rod clements transmiting only compression
between the double nodes only, to simulate the contact forces
developing 1n the delaminated arca. A companson between the

results of the analytical and the numerical model for the first two
vibrating modes of 2 (90/0)101 simply supported symmetric com-
posite beam are presented in figures 10 and 11. Differences
between these two diagrams are due to the additional shear cor-
rections terms tn the finite element analysis
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Figure 10. Companson of analytcal and numercal results
for the first mode of a smply supported beam (90/0)+or.
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Figure 11 Companson of analytica' and numerical results for
the second mode of a simply supported beam (90/0)107.

4. INVERSION OF THE PROBLEM.

This section amms at the identification of the delamination position
and size using the cigenfrequency degradation. It is a typscal
vense problem and as such 1 non-lineer and intrinsically dl-
posed. On the other hand, observing the respective figures of the
simply supported delaminated beam, 1t 1y obvious that another
reason 1o lose the uniquencss of solution of the inverse problem is
the symmelry of these diagrams, duc to the way that the vibrating
beam 1y supported.

To overcome this difficulty and to increase the accusacy of the
nversion, a canhilever beam 1s considered. This ts a more flexible
structure than the ssmply supposted beam and possesses lower

genfreq while its vibrating modes are asymmeinc The
geometry of the structure 1s given i Figure 12,

The formulation 1s identical as for the sumply supported beam with
the necessary modifications of the boundary conditions. In Figure
13 the first four normalized eigenfreq of a del d
composite beam with stacking scguence (90,2 45,0)2s are given,
with a midplane delamination centred at s=0.5, as a functron of its
dimensionless length Ty while Figure 14 shows the surply svp-
ported beam. It 1s worth noticing that the degradation of the first
mode 1s higher for the cantilever beam.

Figure 15 shows the first four normalized cigenfrequencies of the
previous beam with a delamination length ;=0 25 as a function of
the dimensiontess delamination possion s. In Figure 16 the corre-
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Figure 12: Geometry of the cantlever beam.

"o

s
8

z
8

S
8

Reooo Mace 1
Resge Moce 2
jLesss Mcde 3
Re929 Mode 4
Posiuon of delaminaton $205
égo « 45 O

fanped-tree beem

X €20 043 G 080 100
OQimens cn'esy detamingtion temgth Ty

Normalized frequency (%)
b3
8

8
P

Figure 13: The first four modes for a cantilever
(90,2 45,0)2s beam varsus delamination length & when t
extends on the neutral axis.

0000

3
8

H

Regno Mode
Reoeo Mode
jLess s Mode
AL es Mode
Postion of getarminction
3%05 {90 # 45, Jn
Simply supportsd beam
X 018 040 040 OB 00
Omensioniess delomrgtion tength T,

3
8

Normahed frequency (x)
b3
3

b3
8

of
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sponding hagram for the simply supported beam 1s presented.
Compartng these two diagrams it 1s evident that the curves for the
canurcvcr am are asymmetric due 10 its asymmetric vibrating
nodes.

Going back to the inversc problem, a symmetric cantilever beam
1s considered and the shifung of two distinct eigenfrequencies is
uscd to develop an algorithm for the idenufication of the detams-
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Figure 15: The ftirst four modes for a cantilever

(90,= 45,0)25 beam versus delamination position s when it

extends on the neutral axis.
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Figure 16: The first four modes for a simply supported
(90,x 45,0)2s beam versus delamination position s when it
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nation position and size. It 1s assumed that the ciyenfrequency
shifting measured 15 due to one delamination only and no other
sources contribute to the shifts measured, therefore, the proposed
technique can determine an "equivalent” delamination producing
the same degradation of the natural freq as other possibly
existing imperfections.

The proposed algorithm 1s based on the solution of the direct
problem, where the eigenfrequency degradation depends on the
delamination position and size as well as on the geometrical and
physical charactenstics of the beam. In the inversion step, agan,
the physical and geometrical charactenstks of the beam are
known, as well as the degradation of the eigenfrequencics of the
firstiwo or three modes which can be measured.

Accordingly, a non linear algebraic set thus formed 1s solved by a
typical Newton-Raphson lechnique, for which imtial values for the
unknown delamination position and sizc arc required. These
values can be obtained from nomographs for a homogencous and
1sotropic beam with identical geometrical charactenistics of the
beam considered. Such diagrams are presented in Figures 17
through 22 for the first, second and third vibrating modes.

Itis obvious that for small delaminations (shorter than 10% of the
total length of the beam), no sa'tsfactory accuracy can be obtained,
as the imitial values of delamination charactenstics do not vary
within this region. On the contrary, this method converges fastand
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Figure 17: First mode for clamped-free homogenous beam
for various positions of delamination ($-0.05 through $=0.5).

with remarkable accuracy for 1nitial values not too close to the
sr(:luuon for delamination length over 15% of the total length of
the beam.

Normally any couple of cigenfrequencies may be used for the
solution of the inverse problem, but the first two esgenfrequencies
are recommended, since their expenimental determination can be
obtained with good accuracy. A schematic presentation of the total
procedure followed for the inversion of the problem is given in the
following:
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2. Expenimental determination of the first two eigenfrequencies.
b. Charts of frequency shifting for a homogencous beam.

¢. Imtial values.

d Start Newton-Rapshon procedure.

ay - " =12

c. Determination of inverse Jacobian matnix.
f. Muluiplication of 7! with matnix {F1, F2]T.

g- Solution.”
x{m) = x{m-1)-J*! F1] m w steration
g g Fal

h. Results.

For example, 1f a degradation of 13% for the first mode and 36%
for the second mode are measured for asymmetriccantilever beam
withstacking sequence (90,+ 45,0)s, then by using Figures 17and
19, imitial values of the delamination position and size arc obtained
as 5=0.35 and [,=0.58. Using the above algorithm, results for
5=0.29and7,=0 61 are obtained. Thesolution of the corresponding
direct pmhlcm for this beam by muoducmg of oouxsc the same

d egr: { leads to d 1stics
5=03 ana’lz:ﬂ 5. A remarkably good accuracy achxcved withthree
werations caly.

A necessary rematk concerning the figures 20, 21 and 22 1s that
the intensection of the curves 1n the relative diagrams 1s duc to
numerical crrors. The respective physical problem, as described
byl the equations (1) and (2) 15 well posed and excibits unique
solution,

5. CONCLUSIONS

It was shown, both analytically and numerically, that delamina-
tons developing in a laminated composite beam, cither symmetnc
or asymetnic, undergoing flexural vibrations, may cause consider-
able degradation, 1 c. decrease of its natural frequencies, depend-
ng on the delamination location and size. In fact, with i increasing
delamination length, increased d snofthe

cies appears. On the other hand, 1f the delamination 1 located 1n
arcas where the mode shape dxsplays high curvature, degradation
1s very low, while in the vicimty of areas with high shear force the
dcbradauon assumes maximum values, Finally the degradation
increases with increasing distance of the delamination from the
neutral axis,

Both the analytical and numencal formulations proposed are
considering asymmetric, non balanced lamlnatu. containing ben-
ding/extensional stiffness cc g terms B,,. Its for symme-
tric laminates have been producad asa pamcular case of the




general problem. By comparison of analytical and numerical
results, it 1s evident that the numencal model ynelds higher fre-
quency degradation duc to the presence of additional shear terms

Finally an inverse method to identify an existing delamination,
based on the solution of the dlrecl roblem, is proposed The
method eval thech ristics of an equivalentdelamination
located at the neutral axts of the beam, although the real damage
may be different. By corrclatng this method with expenimental
values of internal damping of a structure may provide a powcrful
tool for thc detrmination of the ﬁe ofad
composite structure.
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Appendix

The suiffness matnx is.
g fa [

x2
aN, 3V,
’,z-f B"T;-a—x‘dX], k,‘,"-()
n

M, B_NI
ax ax

l: GV. oN,
- f [pu & -54¢x] f (AssN N ]

n

k.7‘- J (AssN. tkl

8N, N,
k= f (s )
x

The mass matnx is*

x2

M = [ (LN dx)

Lt}

x2

M= [[LNNds), M} =0
;]
n

M7 = [(INNdz], M3 =0
x
x2

M- f (hNNx)

Toaveud ahcar locking the shape functions for transversc displace-
ment and axial displacement and rotation are different. So*

w{x) = wiN1 + walN2 + wiN3
u(x) = usNe + usNs
Y(x) = Wil + N5

where

2

4x X
Nz-L l-L]

xf2x
N)-L[L -l]
N‘-[n-{]
Ns-l

L

The final suffnesses arc 7x7 and are for the above the x-y g
For the below the x-y planc the integrating hmats are from

The laminaic’s matenal for the graphs was AS«/3501-6 graphite
€poxy.
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SUMMARY

This paper presents the results of an experimental
study on the effects of several design parameters
on the strength of a skin-stiffener interface.
Desing parameters which are considered are skin and
stiffener laminate properties and the .idth of the
bond layer. Test specimens consisting of a blade
type stiffener secondarily bonded to skin laminate
were fabricated. The specimens were tested by
lateral tension tests, four-point bending tests and
pull off tests. Calculationr were made with the
numerical program BONDST. ThLe test results are
conpared with each otlier and with the calculated

results. Conclusions are drawn and design

guidelines are provided.

LIST OF SYMBOLS

| W : Inplane stiffness of the skin
laminate

Dyin : Bending stiffness of the skin
laminate,

tain : Thickness of the skin laminate.

EAyeirtener : Inplane stiffness of the stiffener
lamfnate.

Deeattener : Bending -tiffness of the stiffener
laninate.

Cyuittener . Thickness of the stiffener flange.

Thiede : Thickness of the stiffener blade.

B, : Modulus of the bond layer.

G, : Shear modulus of the bond layer

t. : Thickness of the bond layer.

L : Width of the stiffener flange.

H : Height of the stiffener

t : Ply thickness.

E, * Longitudinal modulus.

B, : Lateral modulus.

Gy . Shear modulus

¥12.¥21 ¢ Pnlsson's ratio.

F : Lateral tension force.

N : Bending moment.

P : Pull off load.

Sk : Skin configuration

St : Stiffener configuration.

1. INTRODUCTION

Stiffened skin panels of cozposite materlals can be
configured either as iIntegral cocured concepts,
vwhere the stiffener attachements intermingle with
the skin plies, or as separate, often precured skin
and stiffeners which are connected by a discreet
bond layer 1In the latter case failure of a
stiffenend panel may well be governed by the
strength of the skin-stiffener interface

Vhen designing a stiffened panel one can choose
several design parameters which detexmine the
stcength and stiffness of that panel (Refs. 1 to
6). The strength of the skin- stiffener interface,
hovever, {s {influenced by the chosen design
parameters and the loading conditions.

In this paper the results of a test programme are
presented. The tests were carried out on specimens
vwhich consist ¢f a blade type stiffener secondarily

bonded to a skin laminate

In the specimens the following parameters were
varied. skin and stiffener laminate properties and
the stiffener flange width. The specimens were
tested in three different ways,

1) Lateral tension tests.
2) Four - Point bending tests.
3) Pull Off tests.

The test results are compared to each other, and
with results obtained from the computer program
BONDST. This program models a skin - stiffener
conbination into a two dimensional model The
program can determine (with numerical sethods) the
peel stress and the transverse shearing stress in
the bond layer

The purpose of this investigation
designer a database from which he

is to give a
can choose an

optimal skin-stiffener combination for a given
loading case.

2. TEST PROGRAMME

2 1 Test specimens

The test specimens consisted of a blade-type

stiffener secondarily bonded to a
(see Fig. 1). The dimensions of the

skin laminate
specimens were

250 * 50 mm.
;
50 ’L X
[) X %
‘ > -
t
. 1
250 5C §
Fig 1 Dis of the test sp and the defx of the axis

The test specimens were made of Fibredux 6376/T400H
with the following properties:

1) Ply thickness. t =« 0 181 mm

2) E, = 137000 MPa (tension)

3) E; = 124000 MPa (compression).
4) E, -~ 9500 MPa (tension).

5) E, = 9000 MPa (compression).
6) Gy, = 5100 MPa

7) vz - 0.3,

2.2 Design parameters considered
Tn & skin-stifferer comibination the following
design parameters can be distinguised (see Fig 2)

1; The inplane stiffness of the skin EA,;,
2) The bending stiffness of the skin D,
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3) The thickness of the skin: tg,,.

4) The Inplane stiffness of the stiffener.
FAn.ut-m-

5) The |bending stiffness of the stiffener:
Dnutlm:-

6) The thickness of the stiffener flange: tyenge-
7) The thickness of the stiffener blade ty.q,.
8) The amodulus of the bond layer: E..

9) The shear modulus of the bond layer: G..

10) The thickness of the bond layer- t..

11) The width of the stiffener flange L

12) The height of the stiffener: H.

To limit the nuaber of design parazeters the
stiffeners were bonded to the skin laminates with
the same adhesive while the thickness of the bond
layer was equal for all the specimens and all the
stiffeners had the same height.

Hith the afore mentioned design parameters,
different skin laminates and stiffener laminates
can be defined. With these skin and stiffener
laminates different skin-stiffener combinations can
be made

2.3 Skin laminates selected

kar this fnvestigation the following skin laminates
were defined which differed from each other by
laminate structure and thickness.

Skin la
Skie Leminate [-45,435,-43 43,-45 45,45,-45 45 -43)
Skin thickness 1 61 mm

Skin 1b
Skin Leminate (-45,0,45,0,-45,4% 0,45 0 -45)
Sxin Thickness 1 81 ms

Skin 28
Skin Laminate

(-45,45,45,45,745,45,-45,45 -45,45)
Skin Thickness

3 62 m

Skin 2

Skin Lasinate (45,0,45,0,45,0,-45,0,45 0 0,-43,0,
-43,0,43,0,443 0,43}

3162 m

Skin Thickness

flange,thickness of the stiffener blade and width
of the stiffener flange (see Fig. 2). The thickness
of the blade of a stiffener was varied by adding a
‘core laminate’ in the blade (see Fig. 3).

Stiffener la

Stiffener laminate 10,45.0,-43,0,90.0,-45,0,45.0}
Thickness of the flangs 1 991 am

Thickness of the blade 3 $52 sm

Width of the blade 44 0 =

Stiffener 1b

Stiffeaer leminate. 10,45,0,-4%5,0,90,0,-43,0,43,0)
Core laminste {04)

Thickness of the flange 1 $81 m

Thickness of the blade & 837 sm

Width of the blade 44 903 mm

Stiffener 1c

Stiffener laminate (0,45,0,-45,0,90,0,~45,0,45,0]
Core leminste [0,-45,0,45,0),

Thickness of the flange 1 991 wo

Thickness of the blade S 792 m

Width of the blade 45 81 m

Stiffenes 2a

Stiffener laminate [0 0,45,0,-45,0,80,0,°43,0,45,0,0)
Thickness of the flange 2 353 m

Thickness of the blede 4 706 =

Width of the blade %0 0 m

Stiffener 2b

Stiffener laminate (0,0.45 0 =45 0,90,0,-45,0,45,0,0)
Core lamipate 10,-43,0,43,01,

Thickness of the flange 2 353 s

Thickness of the blade 6 516 mm

Width of the blade 51 61 mn

Stiffener 3a
Stiffener laminate [0,43,-45,45 0,-45,0,90 0,-45,0,45,
=45 43 0}

Thickness of the flange 2 713 m

Thickness of the blade 5 43 em

Width of the blade 44 0 e

Stiffener 3b
stiffener leainate [0,45,-45,45,0,-45,0,90,0,-45,0,43
*45 45 0)

Thickness of the flange 2 715 mm

Thitkness of the blede 5 43 m

Hidth of the blade 36 0 mm

2.4 Stiffeners selected

For this investigation the following stiffeners
were defined, which differed from each other by
laminate structure, thickness of the stiffepsx

ansamn

b

Fig 2 Designp in a skin - stiffe b

“core” { to the thich
of the blade of the suttener

o e oh i 1Y

PRSI

%N sas

Aneem

of the sufte

Fig 3 Inc

g the thick
lamnate

blade by adhng a “core”

2.5 Specimen configurations tested

With the different skin and stiffener types
mentioned above the following skin-stiffener
combinations were made (Sk means skin, St means
stiffener):
Skia sk1b Sk2e Sk2b

stis . IS RS " i

stib - L

stie o A

St2a

st2b ) 5

stan X Lo i

St I R

3. FABRICATIOR OF THE TEST SPECIMENS

The skins and stiffeners were fabricated seperately
and cured in an autoclave at a tcmperatute of 177
*C and a pressure of 7 bar

The stiffeners were fabricated on steel molds The
molds were build up from two form blocks and a caul
plate (see Fig. 4). The stiffeners were fabricated
from two angle shaped lam‘nates which were
laninated on the two fora blocks. The two form
blocks were then assembled and a filler made of 0°
prepreg was placed. Two rubber strips were
positioned along the flanges of the stiffeners and
the caul plate was positioned. The rubber strips
prevented the wmatrix to flow into the vacuum bag
during the cure in the autoclave and at the same




Caul plate

rubbet stnp .
form bloc

anAan

stiffoner laminate

Fig 4 Assembied steel mould

time allow the caul plate to provide the necessary
pressure on the stiffener laminate After curing
the stiffeners were milled to the desired
dimeasions.

The stiffeners and skin laminates were then bonded
together with the adhesive FM 300 K. a rodified
epory film adhesive The thickness of the bord filxz
was 0 2 mm The skin stiffener combinations were
then cut into test specimens (see Fig 1)

4. TESTING OF THE SPECIMENS

4.1 Introduction

Three different tests were performed

1) Lateral tension tests {see Fig 5)
2) Four-Point bending tests (see Fig 8)
3) Pull off tests (see Fig 11)

The strength of the different skin-stiffener
combinations was determined by loading the
specinmens to failure For each skin-stiffener
combination nine specimens were made Each skin-

stiffener combination could be tested three times
for each load case, to establish the scatter

4.2 1 Llateral tension tests

In the lateral tension test the load is applied to
the skin laminate (see Fig. 5) The tests were
performed with a with a velocity of lmm/min During
the tests the applied load and the displacement of
the grips of the bench were measured

oaneen

loxd F load

Fig & Loading condition during the lateral tension test

All the test specimens showed the following failure
behaviour Because of the exentricity caused by the
stiffener the specimens show an  increasing
curvature as the ‘oad increases At a certain load
level a crack starts to grow at the end of the
stiffener flange This crack 1initiates 1in the
fillet and then propagates in the bond layer or in
the top layers of the skin laminate (sce Fig 6)
The crack propagates while the applied load stili
increases. At a certain load level the stress in

the skin laminate reaches the failure stress of the
skin laminate and the specimen fails

Failure initiation (when the crack pro, gates in
the bond layer or in the top layers of the skin
laninate) of the specimens may be caused by the

21-3
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/_ctack propagationin the bond layar or &

in the 1op layers of the skuin laminate 2

Fig 6 Failure n a specimen during the lateral tension tests
following stress situations
1) Shear stress ciused by a lateral tensien force

The skin is loaded in tension. The stiffener will
be loaded by shear of the bond layer The shear
stresses will be maximum at the edge of the
stiffener flange (see fig 7) These maximum shear
stresses will 1increase with increasing stiffness
ratio of stiffener flange and skin

centerkne

K:v stftener flange

|, bond
layer

|11

N

Y
g

X

L cantethine
of skin lamwnnate

APean

a) Unloaded condition b) Loaded condion

Fig 7 Shear stresses caused by a tensie force F

2) Peel stresses caused by out of plane bending

The exentric position of the stiffcner causes
secondary bending while loading the skin laminate
n tension This vending causes negative
(compressive) peel stresse in the bond layer.

3) Shear stresses cau.ed by a mismatch between the
Poisson’s ratios of the skin and stiffener
lanminates

The skin and stiffener laminates can have different
Poisson’s ratios Because of these different
Poi.sor 's ratios different transverse strairs occur
in the skin and stiffener laminates The bond layer
has to bridge these different strains wlich causes
shear stresses 1n the bond layer The influence of
these shear stresses on the strength of the skin-
stiffener interface will increase as the ratio
between the Poisson’s ratios of the skin and
stiffener laminates increases,

4 2 2 Latersl tension test results

In the following table the test results of the
lateral tension tests can be seen During the tests
the applied load increased while the crack
propagated. However, the specimens were considered
to be failed when the crack propagated from the
fillet into the bond layer or into the top layers
of the skin laminate Therefore in the table the
load {s the tensile load at which the crack
propagates into the bond layer or into the top
layers of the skin laminate
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ExAgxin / | v21skin/ | Width of § Dyppysn/ | Rosd F
Ehseare | vzistare | flange Dazatire | kM)
(wm)

sx1estie | 052 5 07 “wo 1.48 18
sx1eseip oo 52 5 07 wogs | 148 120
SxieSt2a | 0 48 6 22 50 0 116 123
xSty {om 6 22 51 81 118 107
$k1bStis on 172 A0 108 57
sxsesb | 071 172 s09s | 108 173
skivsxza | 0 86 21 50 0 0 84 15 3
spsesy | o.68 21 51 61 0 84 13.9
Sk2aStle 104 s 07 “wo 19 250
Sk2aStlc 104 502 4% 8% e 233
sx2estde | 9 76 337 “wo 35 243
sx2ese3b | 076 317 6 0 3 242
Sk2bSt.1a 133 192 “weo 79 28 8
SK2bStic 133 132 43 81 79 28 0
sk2pseda | o2 [ X1 4“0 24 30
sksedy | o9 08 56 0 24 312

From these test results the following conclusions
can be drawn

The width of the stiffener flange bas no influeunce
on the strength of a specimen (compare Sk2aSt3a
with Sk2aSt3b and Sk2bStda with Sk2bSt3b)

The ratio between the bending stiffness of the skin
and the bending stiffness of the stiffener flange
and the nismatch between the Poisson's ratics of
the skin and stiffener laminates have hardly any
influence on the strength (see for instance
Sk2aStla and Sk2aSt3a)

Specimens with skin laminates Sklb and Sk2b can
carry more load than their count parts with skin
lamfnates Skla and Sk2a The reason for this 1is
that the specimens with skin laminates Sklb and
Sk2b have a larger skin-stiffener stiffness ratio
than their counter parts with skin laminates Skla
and Sk2a.

The thickness of the blade of the stiffener has no
noticible influence on the strength of the
specimens (compare Sk2bStla with Sk2bStlc)

It can be concluded that for this loading case the
skin laminate should have a larger inplane
stiffness (F,A) than the stiffener laminate

4.3.1 Four-Point Bending tests

A four point bending test set up was used to load
the specimens with a constant bending moment over
the width of the skin-stiffener interface The
dimensions of the test set up can be seen in figure
no.8, The tests were performed with a velocity of 1
wa/min. During the tests the applied load and the
displacenments of the grips were measured

The specimens all showel a simular failure
behaviour.

When the applied moment inireases the specimens
show an increasing curvature At a certain load
level a crack initiates in the fillet of the bond
layer As the beuding moment increases the crack
propagates. In the specimens with a skin laminate
thickness of 1.81 mm the cracks propagate in the
bond layer. In the specimens with a skin thickness
of 3.62 mm the crocks propagate efther in the bond

140 mm

anean

160 mm

Fig 8 Locatons of the appled forces during the four-point bending test

layer or in the top layers of the skin laminate As
the crack propagates the specimens still are able
to carry more load while the stiffness of the
specimens decreases At a certain load level the
stiffener is separated from the skin laminate and
the applied bending moment drops to a lower level

Failure of the specimens may be caused by the
following stress situations:

1) Peel stresses caused by the bending moment.

Bending of the specimen introduces peel stesses in
the bond layer which will be maximum at tue edge of
the stiffener flange (see Fig 9%a) (Ref 2)

The peel stresses can be reduced by increasing the
ratio between the bending stiffness of the skin
laminate and the bending stiffness of the flange of
the stiffener A flexible stiffener will attract
less load and therefore the peel stresses will be
reduced (see Fig. 9b).

(
\
L}

]
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=
[ XN g

arsem

a) High peel stresses at the
edge of the stitfener flange

b) Reduced peel stresses at the
edge of the stiffener flange

Fig 9 Peel stresses caused by a bending moment M

2) Shear stresses caused by the bending moment

Bending of the skin and stiffener flange will
introduce shear in the bond layer This shear
stress will, again, be maximum at the edge of the
stiffener flange (Ref 2)

3) Stresses caused by an anticlastic curvature of
the skin laminate

when the skin laminate Is loaded in pure bending
the longitudinal curvature in the x;-x; plane is
positive whereas the transverse curvature 1in the
X; - Xy plane is negative (see Fig 10) As a result
the top surface of the skin laminate becomes saddle
shaped. This will lead to stresses (peel and shear
stresses) in the bond layer. This anticlastic
curvature was only visible in the specimens with a
skin laminate thickness of 3.62 mm.
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Fig 10 Antclastic curvature of a beam in pure bending

4.3.2 Four-Point bending test results

In the following table the test results of the four
point bending tests can be seen The bending
moments in this table are the bending nmoments when
a crack propagated from the fillet into the bond
layer or into the top layers of the skin laminate,
since the specimens were considered then to be

failed.

LpAskan /| D22sxan /| Width of Meracking

EAgeigye Daagtigr flange () (N o)
SkiaStla 0 52 142 LUK 5635
SkiaStidb 0 52 148 44 093 5597
SkiaSt2s 0 48 116 500 5499
SkiaSt2b 0 43 116 51 81 3348
Sk1bStla 071 107 “ o 5041
SX1bSt1db on 10 46 095 4696
Sk1bSt2a 0 65 0 84 50 0 4829
Sk1bSt2b 0 s 0 84 51 81 4677
Sk2aStla 104 11 % 4“0 30762
Sk2aStle 104 11 90 45 81 27023
Sk2aStls 076 3 50 40 25013
Sk2aSt3b 076 3 50 3% 0 25971
512bSt1e 13 7 90 “o 28079
St2bStlc b L] 7 90 43 61 27744
S255t3a 0 97 236 440 23767
St2b5t3b ¢ 97 236 56 0 25204

From these test result.
can be drawn.

The width of the stiffener flange has hardly any
influence on the strength of the specimens (compare
St2bSt3a with S$t2bSt3b and Sk2aSt3a with Sk2aSt3b)

the followirg conclusions

The strength of the specimens is pre-dominantly
determined by the bending stiffnesses of the skin
and stiffener laminates. When the ratio between the
D22ex1n  80A Dagyeiteener Increases the strength of the
specimen increases (compare Sk2aStla with Sk2aSt3a
and Sk2bStla with Sk2bSt3a).

It can be concluded that for this loading case the
skin laminate should have a larger bending
stiffness (D;;) than the laminate in the flange of
the stiffener

4.4.1 Pull-off tests

In the third test series the specimens were tested
by pulling off the stiffeners (see Fig. 11) The
pull off tests were executed with a velocity of 4

| 3
*puuommp H

Fig 11 Pulloff tests

mm/min. During the tests the applied load and the
displacement of the stiffener blade were measured.

For these tests different failure modes .ould be
distinguised These failure modes were
a) Failure in specimens with a skin laminate

thickness of 1.81 mm

Faflure in these specimens starts with a crack in
the fillet of the bond layer. This small crack does
not lead to a load drop When the applied load
reaches a critical value the crack in the fillet
expands and starts to grow in the bond layer or in
the top layers of the skin laminate This leads to
a load drop and the stiffener is pulled off

b) Faflure {r specimens with a
thickness of 3.62 ma.

skin laminate

Faflure starts with a crack in the fillet of the
bond layer. As in the 1.81 mm spccimens this small
crack does not lead to a load drop When the
applied load reaches a critical value a crack
starts in the skin laminate under the edge of the
stiffener flange (see Fig. 12) or a crack starts in
the interface between the filler and the blade of
the stiffener (see Fig 13) The load drops and the
stiffener is pulled off

sttfener flange
bond layer
skin laminate
Y
R e —
—\%
ctack

Fig 12 Cracks n the skin faminate under the edge of the stiffener flange

crack
stdfener flange

bond layer
skin laminate

AN

I N

Fig. 13 Cracks in the interface between the filler and the blade of the
stiffener
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Failure of the specimens may be caused by the
following stress conditions:

1) Shear stresses caused by a bending moment

Because a transverse load is applied to the skin
laminate a bending moment is built up in the skin
and stiffener laminates. This bending moment causes
shear stresses in the bond layer.

2) Peel stresses caused by the applied transverse
force.

The transverse force will result in a bending of
the skin and stiffener At the locations were the
transverce force and its reactions are applied,
peek peel stresses will occur because of a mismatch
in vertical displacements between the stiffener
flange and the skin laminate., Peek peel stresses
will therefore occur under the stiffener blade and
at the edge of the stiffener flange (Ref 2)

The peel stresses at the edge of the stiffener
flange can be reduced by 1increasing the ratio
between the bending stiffness of the skin laminate
and the stiffener laminate (see Fig 14)

The influence of the peel stresses under the
stiffener blade increases as the pecl stresses at
the edge of the stiffener flange are limited As
mentioned above the peel stresses at the edge of
the stiffener flange reduce when the ratio between
the bending stiffness of the skin and stitfeier
flange increases This may explane the occurance of
cracks near the filler of the specimens with a skin
laminate thickness of 3 62 mm.

Arsan

a) High peet stresses at the
edge of the stffener flange

b) Reduced peel stresses at the
edge cf the stiffener flange

Fig 14 Reducing the peel stresses at the edge of the stifener flange by
increasing the ratio b the bending stiff of the skin
and stiffener flange

4.4.2 Pull off test results
In the following table the test results of the pull
off tests can be seen In this table the transverse

force is the maximum force reached during the
tests.

The pull off tests showed a large amount of
scatter. However, two important conclusions can be
made.

When the width of the stiffener flange 1increases
the strepgth of the specimens decrcase (compare

Sk2aSt3a with Sk2aSt3b and Sk2bSt3a with Sk2bSt3b).

When the ratio between the bending stiffnesses of
the skin laminate and the stiffener flange
increases, the strength of the specimens increase
(compare for example SklaStla with Sk2aStla).

It can be concluded that for this loading condition
the skin laminate should have a larger bending
stiffness (D,;) than the flange of the stiffener
The width of the stiffener flange should be
limited.

E2Agxin / D22skin /: Hidth of Peransver
EzAseate D22atsrr flange L
temy o)
sxiastia |0 sz 148 “wo 1358
sxtestib | 0 52 148 46095 975
sklestzs | 0 a8 1186 50 0 a28
sk1esezb | 0 48 116 51 81 08
sxipstis |0 71 107 “o 1368
skpseiy | o 71 107 a4 095 1213
sxibst2a | o 66 08 500 685
skvse2b | 0 66 LED $1 81 8358
skzastia | 108 11 90 a0 2873
sk2astle | 104 11 90 s 81 3565
sk2estds | 0 76 3 50 “o N1z
s2est3b | 0 76 3 50 56 0 2030
stpstie | 133 7 %0 o 3030
sustie | 133 7 90 s 81 3825
si2psds | 0 97 2 26 “o 248
stse3b | 0 97 236 56 9 2153

5. ANALYSIS OF THE TEST RESULTS WITH BONDST

5.1 Introduction

The test results have been further analysed with
the program BONDST. With this program the stress
distribution In a specimen can be calculated in a
simplified way. It is investigated whether it is
possible to establish a failure criterion based on
the stresses calculated with BONDST

5.2 The program BONDST

In the program BONDST the skin stiffener
combination 1s simplified to a two dimenslonal
model with unit length that represents the skin,
the stiffener flange and a discrete bond layer
(Ref 6) A cross section of the model is presented
in figure 15. The stiffener blade {is neglected,
except that its influence is imposed through the
clapped boundary conditions at one end of the

model. The model can be loaded at the other end by
inplane forces and bending moments (see Fig

16)

bond layer

stifoner

Aream

Fig 15 Cross section of the model




Y

A

N

Fig 16 The displacements, the loads and the boundary conditions

The skin and stiffener flange are represented by
beams with extensional and bending stiffness The
bond layer has transverse shearing stiffness and
extensional stiffness The extensional stiffness of
the bond layer is tsken Into acount 1in the 2z-
direction only The kinematics of the model are
illustrated in figure 17. The program can calculate
the deformations in the x-direction and the =z-
direction of the skin and stiffener blade, the
axial stresses in the skin and stiffener blade and
the shear and peel stresses in the bond layer. The
model is based on several assumptions, which impose
limitations on its use. For instance, the shear
stress in the bond layer at the free end is not
zexo. Also, the skin and stiffener flange are
wodelled as beams, with {nfinite transverse shear
stiffness The transverse shear modulus G,, of these
constituents, however, if made of layered composite
material is ofthe same ordex of magnitude as the
transverse shear modulus of the bond layer Due to
the linitations listed here the results obtained
with the model might have at most a qualitative
significance.

The purpose of the calculations is to derive a
failure criterion for a discreet skin-stiffener
combination under different loading conditions. To
achieve this the failure loads which were measured

during the tests were used as input for the

caleculations These calculations may lead to a

design stress level at which a skin stiffener

interface will fale

bondlayov—] skin §
{ [

stdtenes flange —!

Fig 17 The kinemancs of the model

calculated

5.3 Lateral tension test results wvs.
stress levels

Figure 18 shows a typical peel and shear siress
distribution in the bond layer caused by a iateral
force Maximum peel and shear stresses occur at the
edge of the stiffener £lange. In the following
table the calculated stresses in the bend layer axe
presented. In the table Fpupsr represents the
failure load which was measured during the lateral
tension tests

The calculations show that large differences occur
in the calculated maximum stress levels between the
specimens with a skin thickness of 1.81 mm and 3 62
o, This may be causcd by the eccentric position of
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Eohaxsn/ | Wi4th | teyin | Foowost | Opeet | Teax

EAsuare | L nax
() (em) | k) {MPa) | (tPa)
sk1astia,b) | 0 87 o laa [noe 21e |srs
SkibStica by | 0 78 460 |18 {6 233 |e22
SkiaSt2¢a,b) | ¢ 63 50 0 181 {u1s W foare
SkibSt2¢s b) | o 86 00 Jaer | 167 |0
Sk2a5t1¢a,c) | 0 57 wo |3s2 |2e2 91 4 114 3
Sk2pSti¢s.c) | 0 73 wo [aez |204 00 |1000
Sk2aSts 0 57 wo a6z f2ea ss2 |00
Sk2bStla 07 LY 362 Nno 411 123 ¢
Sk2aSt3b 0 87 56 0 3 62 242 %8 a 126 €
Sx2pStib 07 60 |3sz |17 w3 Jass

Stresses i the bond layer caused by a lateral forco F1 .« 11,600 N

10 Peel stress
0 Shast strees
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40

[
[l
[}
[
]
[
)
[
T
‘
4+
‘

20

x {mm)

Fig 18 Typecal peel and shear stress distnbutions in the bond layer
caused by a lateral force F;

the stiffener which causes secondary bending w~hen
the skin is loaded in tension This bending causes
compressive peel stresses in the bond layer BONDST
cannot calculate this secondary bending moment, and
therefore cannot calculate the resulting peel
stresses,

5.4 Four-Point test results vs
levels

Figure 19 shows a typical shear and pecl stress
distribution in the bond layer caused by a constant
bending moment. The figure shows that a bending
moment leade to peel stresses at the edge of the
stiffener flange The positive peel stresses are
folloved by negative peel stresses to provide the
necessary vertical equilibrium in the bond layer
The calculations showed that at a certain distance
from the edge of the stiffener flange, the skin and
stiffener flange show the same vertical
deformations and therefore no peel stresses occur
in the bond layer.

calculated stress




21-8

Stresses in the bond Layer caused by a bending moment M1 = 5,424 N mm
120

O Pedl stross

skiast2 0 Shearstress f

100

80 : :
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Stress
(MPa)
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20

=40,
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Fig. 19 Typecal peel and shear stress distnbutions in the bond layer
caused by a bending moment M,

A negative bending moment leads to negative shear
stresses at the edge of the stiffener flange The
maximum shear stress level keeps below the maxinum
peel stress level. After the peak the shear stress
drops to zero.

In the following table the calcylated stresses in
the bond layer are presented. In the table Mposy
represents the failure bending moment which was
measured during the four point bending tests

Dz2sxsn/ | Width | tyyyn | Maowost | Ypeet | Toax

D2zsvsrr | L [ Dax
() {om) ) (MPa)} (MPa)
SklaStie.b) } 1 48 60 18} 3616 109 2 66 2
Sk1bSti{a.b) 107 A0 181 4869 110 8 739
Sklast2(a,b) ii6 500 18 5424 107 7 63 1
Sk1bSt2(a,b) | © 48 50 0 181 4753 110 8 70 8
Sk2aStl(a,c) | 11 90 “ 0 3 52 28894 171 4 109 5
Sk2bSti(a,e) 790 40 362 27832 M 144 4
Sk2a5tda 3 &4 0 3 62 25013 158 ¢ 102 0
SkIdStIa 235 44 0 3 62 23971 200 0 148,0
k24530 3 30 56 0 3 62 23767 150 ¢ 98 0
Sx2bSLIL 2138 80 382 25204 195 $ 1429

The calculations show that the specimens with a
skin thickness of 1.81 mm all reach nearly the same
maximun stress level (a peel stress of 110 MPa and
a shear stress of 70 MPa).

Specimens with a skin thickness of 3.62 mm show
large differences in the calculate naximum stress
levels. This may be caused by the stresses
introduced by the ant{ clastic curvature of the
skin laminate, which BONDST cannot calculate Again
the specimens with a skin cthickness of 3 62 mm
reach higher stress levels than the specimens with
& skin thickness of 1.81 om.

5.5 Pull-Off tests vs. calculated stress levels
Calculations with BONDST showed different stress
distributions in the bond layer deperding on the
bending stiffness ratio of the skin and stiffener
flange.

Figure 20 shows the peel and shear stresses :in the

bond layer caused by a transverse load, 1in a
specimen with a small ratic of the bending
stiffness of the skin and sti‘‘ener flange High

peel stresses occur at the edge of the stiffener
flange and under the stiffener blade Because of
the large stiffness of the stiffener flange the

Stresses i the bond layer caused by a ransverse force P1 « 833N
18

skia st2
16

14

0 5 10 15 20 25
x (mm)

Fig 20 Peel and shear stresses caused by a transverse force P, for a
specimen with a smail rato between the bending stffness of the
skin and stiffener flange

Stresses i the bond layer caused by a transverse force P1 =3 220N

50
sk2a st1
40
30
Stress
(MPa)
20
10 )
0
i
1% 5 0 25
x (mm)

Fig 21 Peel and shear stresses caused by a transverse force P, for a
specimen with a large rato b
skin and stiffener flange

the bending stiffness of the




peel stresses at the edge of the stiffener flange

are larger than cthe peel stresses under the
stiffener blade.
The transverse force causes a lineair 1increasing

bending moment, which results in a shear stress
which is nearly constant over the complete width of
the stiffener flange,

Figure 21 shows the peel and shear stresses when
the ratio of the bending stiffness of the skin and
stiffener flange is large. The flexible stiffener
flange will attract less load and therefore the
peak peel stresses are reduced at the edge of the
stiffener flange This causes higher peel stresses
under the stiffener blade than at the edge of the
sciffener flange.

The lineair increasing bending moment again causes
a nearly constant shedr stress distribution

In the following table the calculated stresses in
the bond layer are presented In the table Paywpsr
represents the maximum load which was measured
during the pull off tests The peel stress at « ~ 0O
represents the peel stress under the stiffener
blade. The peel stress at x = L/2 represents the
peel stress at the edge of the stiffener

Dazextn/ | W19t | texin | Poowost | “peer | fpeer | 7
Dazeuser | L 2% | iz
(mm) (wm) (N) (HPa) | (MPe) | (MPa)

sxist 1.4 “wo |1m 1063 m: j210 |68
1(a,b)
st | 1,07 LUNCI IR 126 e |00 [os
1(e.»)
Sklast 118 30,0 RN 2Y E2) 73 17 & 33
2¢s,b)
sxwse | 0as %0 11, ”2 71 178 {54
2{s,b)
Sk2ast | 11.90 o |3 3220 “o |221 |30
1(a,c)
skamst | 7,00 o [de2 3428 33 35y [aes
1{s,c)
SkZaSt 3.50 LIl 362 iz e e 123
s
Snst {238 Ao | 3e2 38 00 [382 |10
3
sx2a3t | 3 30 69 [re2 2030 s {200 J70
3»
SISt 2.3 %0 3.62 23 28 RO 123
»n

—

The tests showed a large amount of scatter., It is
therefore difficult to formulate a design craiterion
for the pull-off tests.
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6. CONCLUSIONS

the influence of
the strength of a skin-stiffener
conducted Test specimens which
wonsisted of a blade-type stiffener secondarily
bonded to a skin laminate were fabricated These
specimens were tested for three different loauing
conditions. lats-al tension tests, four-point
bending tests and pull of tests
The tests showed that failure mainly
edge of the stiffener flange due to
at that location The tests provided
design guides:

A study of
parameters on
combination was

several design

ocmurs at the
peak stresses
the following

the skin
lateral

1) The lateral ainplane stiffness of
laminate should be larger than the
inplane stiffness of the stiffener flange

2) The skin laminate should have a larger lateral
bending stiffness than the stiffener flange

3) The width of the stiffener flange should be

linited.
Calculations made with BONDST showed that no
failure criterium for the strength of a skin-
stiffener interface could be found
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1. SUMMARY

The paper reports recent developments tn the field of the
terpretation of the form of the reflected wave dunng
ultrasonic scanming of laminated plates Defect analysis 1n
laminated plates can be achieved by wnstalliag a threshold
value on the amphtude of the reflected ultrasomc wave If this
threshold value has not been achieved, one considers that a
defect 1s causing scatter and the location 1s registered as such.
This is the most clementary form of measunng technique,
although 1t does not provide more detailed information about
the depth location of the defect Nevertheless, 1t already
provides some information, although rather "binary™ On the
used USIP 12 equipment (Krautkramer) a depth-measurement
module was added allowing to establish the location of wave
scatter through the thickness of the lamunated structure.
Recently, 1t has been suggested that the form of the reflected
wave could yield some additional information on the types of
defects. In particular, the frequency content of the reflected
wave could be analysed and be compared for different sorts of
defects, thus allowing for a more accurate diagnostic of the
defect and its significance Advanced signal processing and
pattern recogmition techmiques are therefore apphied Two
Carbon/Epoxy laminated plates with several embedded defects
have been manufactured and tested Representative results
will be given.

2. INTRODUCTION

2.1 General Introduction

One of the methods most widely used 10 non-destructive
testing of matenals is the ultrasonic method (ref. [1), (2)).
However, 1n many apphcations the result is treated as a binary
value (good or bad) regardiess of the enormeous amount of
information contaned in an ultrasonic A-scan. A small
pumber of users can go beyond this binary threshold by
1dentifying the defect basing themselves on years of practical
experience. As it is mentioned 1n ref. [3), the use of advanced
data acquisition boards, depth measurement module and
computer software, result nto colored C-scan plots as well as
three-dimensional plots. Therefore the capabilities of the
ultrasonic method 1s extended by 1dentifying completely the
defects location.

However, no information is available about the nature of the
defects making the decision for their criticality very difficuit.
Advanced signal processing and pattern  recognition
techniques are therefore applied on the ultrasonic signals and

proved the ability of defect identification with much Jower
error rates compared with the statistical expexted when no
prior information 1s available. Thus providing a non-binary
result by high level expertise of the signal.

At first, the ume domain signal (A-scam) 1s digiized and
stored. Based on thus data, uwumerical algorthms retum
frequency, autocorreclation, crosscorrefation, convolution and
deconvolution doman data. In order to reduce the number of
data without loosing any useful information, descnptors are
defined and calculated 1n each domain (1 c. number of peaks
above a certamn level, peak amphtudes, peak position, peak
area, inter-peak distance and many others)

Identification of defects 1s done by classifymng the signal
under 1nvestigation 1 one of the predefined categornes
(classes) to distinguish. Before classification 1s possible, the
system has to be "learned” by a given set of signals of whuch
the class is known a prion1. Depending on these classes, only 2
small number of descriptors will be sensiive, meamng that
the vanability of a descriptor must be mnimal 1n ats own class
compared with 1ts vanability between classes. This 1s known
as being the Wilk's lambda cnitenion Choosing the most
scnsitive descriptors defines the features which are going to be
used for further classification.

Classification of unknown signals i companson with the
known signals based on these features can be done by
different classtfication schemes. The ones used in this
application are the k-nearest neighbour classifier, the modified
nearest neighbour classifier, the potential function classifier,
the haear classifier and the F-machine.

Practical results will show classification success on laminated
carbon epoxy specimens with embedded foreign bodies like
alumipum and teflon as defects. Discussion will be made on
different values of this success rate using different features
and different classification schemes.

2.2 Pattern Recognition

Pattern recogmtion and classification 1s a numencal technique
which can be applied to quite different domains of
applhications A few examples of these are tabalated in table 1.

Standard commercial packages like ICEPAK (Tektrend) (gef.
[4]) and PARECO (Nestor Inc.) fref. [5], [6] and [7]) provide
general numerical algonthm routines which can be used 1
this vanety of domains. However, because of the fact that thus
principle 1s now being applied to ultrasomc investigation and
examined 1n more depth 1n this area, the basic principles of
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thus techmque are integrated 1n a newly developed program
called SPPR (ref. {8]) which stands for Signal Processing and
Pattern Recognition at the Free University of Brussels.

“subdividing” the descnptor space for ophmum performance,
meamng a miumum classification error rate Clustering
analysis 1s an unsupervised method (oo class information) of
classification

3. SIGNAL PREPROCESSING

3.1 General Information

The ulirasonic signals are generated and received by the USIP
12 (ref [9]) ultrasonic device manufactured by Krautkramer
This pulser-teceiver 1s a device which can readily operate

| Domain Examples
Engineering Non-Destructive Testing
Quality Control
Process Control
Geophysics (Seismic exploration)
Military Commumnications secunty
Radar and Sopar interpretation
Medical Electroencephalogram
interpretation
Electrocardiogram mterpretation
Diagnosts
Scientific
Investigations

Table 1. Examples of Pattern Recognition Applications

Pattern recogmtion, which is a branch of artificial intelhigence,
15 used for interpretation and diagnosis It simulates advanced
buman functions and interfaces man and machine to combine
their best capabilities It also automates the routine
interpretation camed out by human analysts and therefore
captures human expertise and experience 1n machine form

In general, pattern classification routines can be quite
different depending on the amount of mformation which is
known 2 priori from the phenomena under investgation For
instance the Bayes decision theory 15 based on the assumption
that the decision problem is posed 1n probabilistic terms and
that all of the probabilistic values are known Mathematical
denvations of this theory apphed on multivariate normal
densities are extensively descnbed 1 Literature 1f some of the
probabilistic values are unknown, this theory 1s extended to
parameter cstunation based on supervised learming which
means that the system 1s "taught” by a number of signals of
which the class 1s a prion known. However, most of the ime
and especially 1 the domain of non-destructive testing, httle
or no probabilistic information 1s known a priori Supervised
learming can then still be apphed and this techmque is called
the nonparametnc techmique. For the tume being, this
techmque 1s pnmanly described in this paper and is applied to
the uitrasonic investigation of laminated composite plates
Future developments will be made m the domamn of
unsupervised leaming and clustering analysis which means
that the classifiers are self-learning without prior probabilistic
or class information of the signals under investigation It 1s
clear that this is the supreme solution, if possible, but can
nevertheless only be reahized when a great number of signals
are available which most of the time 15 not the case.

In practice, the different stages in the classification scheme
can be roughly subdivided into 1) signal preprocessing 2)
descniptor gencration 3) feature defimtion 4) clustenng
apalysis and 5) signal classification Signal preprocessing
involves both the signal acquisttion and the conversion of this
data to different domains of wterest like for instance the time
domain, the frequency doman (amphtude and phase), the
deconvolution domain and others Descriptor generation 15
concerncd about data reduction by extracting only what 1s
beleived to be wital information 1n the different domains
Feature definition is done by withholding those descriptors
which are highly senmsitive to a change of class (classes
defined by the user) Signal classification can be seen as

transducers in broad-band in a range of 1 to 20 MHz and 1n
narrow-band in the range of 0.5 to 15 MHz A depth
measurement module DTMI12 is also instalied which has a
resolution of 1 nsec or 0 01 mm. The data processing and
storage 1s done on a Hewlett-Packard Vectra 80386SX 16
MHz personal computer equipped with an analog to digital
convertor board Sonotek STR 825 with a performance of 100
MSamples per second.

3.2 The Time Domain Signal

A subprogram of SPPR, called SCOPE displays 16384 data
ponts for the total une doman signal (fig 1) As most of the
tme domamn signal 1s zero, 1t 1s sufficient to extract portions
of 4096 points and send those to file. Each time domain signal
can then be considered as three files consisting of 1) the
mtating  pulse or base pulse, 2) the plate reflected
mformation (fig 2, 3 and 4) and 3) the glass-plate echo or
backwall echo 1n pulse-echo mode For convemence, these are
tabulated m table 2

Figures one to four present representative time domain
signals Figure 1 shows part of the enlire signal of 16384
points but the plate reflected information and the glass-plate
echo are well defined. Figures 2, 3 and 4 shows respectively
the test plate echo of non defected area, of an arca with
cmbedded teflon and of an area with embedded aluminum

Tume Domain signal

The base pulse (imiiating pulse)

2 | The plate echo (plate reflected ultrasonsc signal)
3 | The backwall echo (glass plate echo)

Table 2 Dafferent Time Domain signals

Conversions to tbe following domains can be done on either of
these tune domain signals.

3.3 The Frequency domain

The term frequency domamn denotes a mathematical
transformation of a tune domain signal and 1s also known as
the power domain signal. Time domawn signals are now
described by therr spectral components The transformation 1n
the software package SPPR 1s based on the Fast Founer
Transform (FFT) algonthm. The FFT of N pownts needs
O(Nlog,N) operations and 15 much faster compared to the
ordinary Discrete Fourier Transform which needs O(NZ)
operations. The result of the FFT 1s a complex number having
a real and imagmnary part which 1s immediately converted to a
magnitude (root of the sum of the squared parts) and a phase
(arc tan of imagunary over real part) component in providing a
more physical understandable background for the result.
Frequency transformations of different time domain signals
corresponding to different defects, have shown substantial
differences 1 spectrum with a high level of repeatabihity.
Figures 4, 5 and 6 shows the result respectively of the FFT
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applied to the signals presented 1 figures 2, 3 and 4.
Information extracted out of the frequency domaun is therefore
thought to be very uscful in classifying different defects.

3.4 The Correlation Domain

A time domain signal will sometumes consist of repetitive
basic signal parts. This gives the impression that this basic
signal vart interacts with the medium under investigation. If
the tir.e doman signal is compared wath this basic pan at
various tune positions, perhaps the locations of maxumum
correspondence can be found and thus a more pronounced
image of the medium can be obtained This process 1s known
as corrciaion and one speaks of autocorrelation when this
computaton is performed with the total signal atself. A
correlation of two time domain signals can be calculated
the frequency domain as the multiplicahon of the
corresponding frequency values for the first and the complex
conjugate values for the second. Figures 8 and 9 presents
respectively the cross-correlation of the signal shown m figure
2 (undefected area) and figure 4 (embedded aluminum area)
Finally, figure 10 shows the result of autocorrelation of figure
3 (cmbedded teflon area).

3.5 The Convolution and Dcconvolution Domain

The reasoning applied in section 2.4 on the correlation domain
provides the same basic 1dca applied 1n the convolution
trapsform. It 1s now computed 1n the frequency domam as the
multiplication of both the complex frequency component of
the ongnal ttme domain signals The effect of convolution 15
to smear out the ongmnal ime function s(t) 1n tune according
to the recipe provided by the response function r(t), for both
continuous and discrete casc. When knowing a convolution
result and knowing a given time function s(t), the problem 1s
to find the response function r(t). This 1s known to be the
deconvolution process. The algonthm 1s used on ultrasomc
signals, they are deconvoluted with the onginating base pulse
from the transducer to obtain a more propounced descnption
of ie medium under investigation.

4. DESCRIPTOR GENERATION

4.1 Introduction

Assuming that the time domain consists of 4096 points as well
as the other domains, for instance the frequency, the
autocorrelation and the deconvolution domain Then a total
number of 16384 numbers descnibes the original signal It 1s
easily understood that much of thus data 1s redundant. A
transformation of this data to a set of other data (descriptors)
is made to reduce considerable the amount of data without
losing any information. The following descriptors are defined,
used and beleived to provide no loss of information.
Descriptor extraction can be performed in each domaimn
defined above.

4.2 The Descriptors

4.2.1 Statistical descriptors
Several well known statistical parameters are also used
as a descriptor. The following are provided in the
software package SPPR, sce table 3.

4.2.2 The number of peaks above 3 threshold
The threshold will be expressed as the per cent value
of the maximum signal amplitude. The base line is
defined as having the minimum signal amphtude
value. By counting the number of peaks above the base
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hine and 10%, 20%, ... up uniil 90% of maximum
signal amplitude, ten descriptors are computed. These
descriptors represent a measure for the “activaty level”
in the signal, considering the time domain.

The peak shape descriptors

For each peak encountered in the signal i cach
domain, the following number of descnptors are
beleived to descnbe this peak sufficiently: peak
amphtude, peak position, peak area, peak rise time,
peak fall ime, peak full width and peak half width
The rcasomng ts done 1 the tume domain The
amphtude of a peak enables us to gauge the intensity
of a physical process There 1s no better example then
the basic functional priciple of A-scan and/or C-s5can to
Jjudge an occurrence by the signal amplitude. The peak
position returns wformation on the physical location of
disturbances (ref. {13]). The area of a peak gives a
measure for the energy content of this peak. This item
1s particularly useful 1n the frequency domamn. The
other peak descniptors descnbe the shape of the peak
related to the kind of defect encountered These peak
shape descniptors are calculated for the five highest
peaks in cach domamn, thus disregarding the
background noise.

Inter peak distances

The distance from first to second, from first to thurd
and from second to third lughest peak are also
computed They provide information on the signal
propagation time and delays within a given medium.
As an example, consider the technique to locate the
depth of a defect 1n 2 specumen by measunng the "ttme
of flight".

Partial areas and total area

The domain under observation 1s equally subdivided
wto eight segments. The area covered by the signal 1s
computed 1 cach segment as well as the total area.
This information gives a global measurement of energy
together with a rough indication of energy spread n
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the domaun.

Descniptor Interpretation

Mean value | estimates the value around which
central clustening can occur

Variance charactenzes the spread of values
around the mean value

Standard known as the square root of vanance

deviation gives no new mformation

Skewness a mcasure for asymmetry of the
distnbution alongside the mean value

Kurtosis represents the amount of "peakness” or
"flatness” of a distnbution

Table 3. Statistical descriptors

4.3 Domain dependant descriptors

In SPPR the descniptors computation 1s automated for each
doman, discussed 1n paragraph 2, separately Not all of the
descniptors are calculated 10 each domain because they do not
provide apy valuable information or are very senmsitive to
background noise. The six domains available are the time
domain, the squared time domam, the frequency domarn, the
autocorrelation domain, the cross-correlation domain and the
deconvolution domain. For the first four domains an
automatic calculation of the descniptors 1s possible, providing




226

10

o 3 10 13 20 a3 0 3 40 13 90 eV
Frequence (MHz)

FFT applied on Lhe signal of fig.2

Fig. §

16

14

S0CA=mg 3D

'] P

L] S 10 13 a0 a3 20 3 40 43 30 E0O
Fraguencey (MHz)

FFT applied on the signal of fig 3

Fig. 6




SBCA=-QID

» N9

-]

3 40 13 a0 as 0 3 40
Freguency (MHz)

as

30 €00

FFT applied on the signal of fig.4

Fig. 7

EO04
14

10

B8 e~D3)
[

-10

-au -13 -~10 -3 o 3 10 13
tine/10 tsec

a3 Evz

Cross-Correlation of signals of fig. 2 and 3

Fig. ©




22-8

E04

10

B0C eI

-6

-23 ~20 -13 -10 S 20 13 a0 23 E02

-3 o
tire/10 mec

Cross-Correlation of signals of fig. & and 4

Fig. 9

€0s

14

10

(1YL F1)
[T}

s

~40

~12
-a3 -0 -13 -10 -3 o 8 10 15 20
tirm/10 nsec

AutoCorrelation of signal of fig. 3

Fig. 10




143 descriptors. This means that the original 16384 number
are reduced to 143, a data reduction by a factor of 114.

5. FEATURES DEFINITION

A pattern vector containing more then ten descnptors is in
practice not of much use because the dimensionahty of the
feature space is such that the amount of computation is to
high. Practical experience has proven also that the
classification error rate most of the time increases when the
dimensionality goes beyond a certamn level. Thus, out of the
descriptors defined before, one extracts a certain number of
features which are going to be used i the classification
process, these are called the features However, there are no
general rules concemning the choice between descnptors.
Human intelligence, expenence and knowledge about the
specific application will be of the utmost importance in this
choice which wall also determine the success of classtfication
(ref. {14] and [15]).

Some aid can be given by calculating the discriminating
power of each descniptor scparately. This 1s done by
companng the variabihty of a descnptor within it's class «ith
the variability between classes. Furthermore, since two
descriptors can hold the same mformation, they also have the
same vanabihity 1n and between classes The choice of using
both of these descriptors would not imncrease the success rate
of the classifier. Therefore, the discnminating power of sets of
descnptors must also be examined A method of doing so 1s
based on using the Wilk's Lambda. It consists of maximizing
the between-class spread relative to the within-class spread
The values of lambda are 1w the range [0,1]. The lower the
values of lambda, the higher the discriminating ability of the
descniptor subset. Thus technique does not change the value o
the features, Other techmques to define features are based on
reducing an ongnal d-dimensional descniptor space 1nto a (c-
1)-dimensiopal feature space (¢ bewng the number of classes)
by use of the Fisher's linear discnminant The tranformation 1s
done by multiplying the descriptor vectors with a matrix ‘W of
which the elements of W are chosen as to produce a feature
space with maximum discriminating power.

6. CLASSIFIERS

6.1 Introduction

In some casses, different classes can be separated by a set of
hyperplanes 1n the feature space. The classification can then
be performed by a linear classifier Unfortunately, not all of
the classification problems are linear. At this point the choice
of features is cntical since for a given set of features the
problem may not be lineasly separable whule for another set of
features it may well be. Several classification theones have
been denved, which may produce different decision surfaces.
In this paper, five classifiers are discussed, detailed 10 table 4.

Classifier

1 | The K-Nearest Neighbour Classifier (K-NNC)
2 | The Modified K-Nearest Neighbour Classifier
3 | The Potential Function Classifier

4 | The Linear Classifier

5 | The F-Machine Classifier

Table 4. Classificrs used in the present study

In the first three classifiers, decision is made based on direct
distance measurements 1n the feature space The two
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remaming classifiers base their decision on generalized
discriminating functions. In the case of a linear classifier it
can be proven that the generalized discniminating function is
nothing more than a weighted distance. A very different
classifier, to be studied in future work, is based on the
estimation of the probability distnbution function and 1s called
the Bayes classifier (further reading 1n ref. [15) and {16)).

6.2 Classifier Design

By applywng pattern recogmtion techniques, an effort is being
made to pass some of the human intelligence to the compute.
Like 2 well known face 10 a crowd is easily recognized by a
human, so will a computer easily recognize an iaput pattern if
1t is supplied with previously known patterns. fhose patterns
will be used to design, or teach, the classifier. At this point, a
disinction bas to be made between two general classifier
design methodologics: a) supervised learming and b)
unsupervised leaming. In the first, the trauing samples used
to design a classifier are labelled to show their category
membership. In the latter, unlabeled samples are used. In the
present case, supervised learmng is studied Thus, a well
defined trammung sample set 15 a prerequisite to proceed in
classification. Before proceeding in the classifier design,
questions hike how big must the tramning set be, which are the
representative poimnts for esch class and how can they be
1deptified need a clear answer Two general methods can be
apphed. a) The store all method and b) Clustering analysis In
the first method, all the available data 1s used to design the
classifier. In the second one, the central points of each class is
determined and used for classifier design Until now, the store
all method 1s wnvestigated. During the classifier design
process, the traning ponts may be relocated 1n feature space
i order to remnforce or to weaken a particular event and
change the decision surface. The term locates will denote
these representative points whose imitial values are the entire
traming set (store all method) or are the clusters (clustenng
apalysis) which do not remaimn unchanged during the design
process In other words, the training set, or a part of 1t, 1s
substituted by the locates Dunng the learmung process, the
locates are modified whilst the witial trammng set rematns
unchanged. The locates will be denoted by Bl, B2, ... and wall
be allocated 1o the classes in the following way: Bl, B2, ..,
B(nl) for class 1, B(nl+1), B(nl+2), .., B(n2) for class 2,
B(n2+1), B(n2+2), ... , B(n3) for class 3, etc.

6.3 The Linear Classifier

The decision surface of a linear classifier is a hyperplane
the feature space The discnmipant function is a lnear
combrnation of the components of the pattern vector X and is
wnitten as follows:

X)) =WTX+W, m

where W 1s the 5o called weight vector and W, 1s the threshold
weight. A two-category lnear classifier umplements the
following decision rule "Decide w, 1f g(X) > 0 and decide w,
if g(X) < 0. 1f g(X) = 0, the pattern vector can be assigned to
either class. The equation g(X) = O defines the decision
surface that separates points assigned to w, from points
assigned to w,.

In order to be able 1o classify the unknown patterns, then the
classifier bas to be taught first. For instance, the weight values
have to be calculated using the available training data. The
discnmination function is rewritten m the form:
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gX) =aTY ®
where Y=[1x .., 7=[1X]
and ax[Wow ...w]T=(WW] ©)

Then a sample Y, which 18 labelled w, is classified correctly 1f
a'Y, > 0 and misclassified if aTY, < 0. In the latter case, it 15
observed that Y, is classified correctly 1f a"(-Y ) > 0. Thus, by
replacing all the samples labelled w, by their negatives, the
labels can be disrcgarded and a weight vector can be
constructed satisfying aTY, > 0 for ali the samples. The
approach to follow in order to find a solution to the set of
linear inequalities aTY, > 0 wall be to define a criterion
function J(a) which is mimimized 1f “a" 1s a solution vector.
Starting with some arbitrarely chosen weight vector a,, the
gradient vector grad(J(a,)) 1s computed. The next value a, 1s
obtained by moving some distance from a, along the negative
of this gradient. In general a,,, =2, - 1, J(3,). The selection of
J(a)=sum(-aY) leads to the correction leaming rule:

4 =3+ sum(Y) O]

where the summation is made over all of the misclassified
samples. It has been proven that the above procedure always
converges if a linear solution exists. A modification to the
above algotrhm is to consider the samples in a sequence and
modify the weight vector whenever 1t misclassifies a sample
The above equation becomes then: a,,, = & + Y, where Y is
the misclassified sampie There are several ways to generalize
the above descnibed theory for the multicategory case For
stance, ons might reduce the problem from ¢ classes to ¢-1
two-class problems, where the 1-th problem is solved by a
linear discriminant function that separates points assigned to
w,_from thosc mot assigned to w. A more extravagant
approach would be to use c(c-1)2 lincar discriminant
functions, one for every pair of classes Another approach is to
define ¢ hinear discriminant functions:

X)=WI X +W,
M=y

and assign X, to w, if g (X) > g,(X) for all j not equal to i. This
expression can also be written in the form (g(X) - g(X)) > 0
showing the comrespondence with the two-category case The
boundary between the classes i and j is defined by the
cquation g(X) = g,(X). Finally, the ervor correction leaming
procedure for the two categories case can be gencralized for
the multicategory case. The multicategory error correction
rule is the following: assume that the pattern vector X is a
member of class i and it bas incorrectly been assigned to class
j due to the proximity of weight W, Then the weights are
modified as follows:

i=l.c
i=l.c (8)

W=W.-X ad W,=W+X ©®)

while all the other weights remain unchanged. More
explanations about this algorithm and the convergence proof
can be found in the references.

6.4 The F-Machine

The F-Machine is based on the same principles and is
designed in the same way as the linear classifier. It can be
viewed as a combination of a linear classifier and a descriptor

preprocessor which generates new descriptors by transforming
the original set to a new set by a non-linear transformation.
This non-linear transformation can be quadratic, cubic or even
higher order. The decision surface generated by the classifier
18 then no more linear in the orignal descriptor space. A
hypersurface is constructed.

The F-Machine is more complicated than the hinear classifier
and does not offer any advantage if the classes are linearly
separable. The mawn advantage lies in the fact that non-linear
deciston surfaces and/or hypersurfaces can be generated using
this classifier. Thus a non-linear problem 1s solved by a linear
algorithm in higher dimensionality feature space.

6.5 The Distances

As previously noted, certain classifiers base their decision on
distance measurements Three different types of distance
measurements were programmed and evaluated, listed in table
S. The sum and the maximum are taken over cach ordinate s 1n

the feature space of q dimensionahty.
Distance Type Formulation
Euchdean distance sqri(sum(B, - X)?)
City Block distance sum(B, - Xu)
Square distance max(B - X)

Table 5. Different types of distance measurements

6.6 The k-Nearest Neighbour Classifier (k-NNC)

Let X}, X, .., X, be aset of N Jabelled samples, and let X,
be the sample nearest to the unknown sample X. Then the
nearest neighbour rule for classifying X 1s to assign 1t the
label associated with X . Let DIj denote the distance of the
unkoown pattern vector X from the j-locate of the i-class
Then the decision of the NNC 1s given by. X belongs to w, 1f
mmn(D) < mn(D,,) for all the 1 different from k. The
previously described NNC classifier is a special case of the k-
NNC. The k-NNC classif.es the unknown pattern vector X by
assignung 1t to the label most frequently occurmng among the
k pearest samples. In other words, the basic nearest neighbour
classifier is applied k times and the decision is made by
examining the k nearest neighbours and take 2 vote. The
decision surface produced by the NNC and the k-NNC 15 a
combipation of hyperplanes

6.7 The Modified Nearest Classifier

By adding weights to the NNC, the modified NNC 1s
established. Let W,, W,, ... denote the weights which are
allocated to the classes in the following way (the same as the
locates): W,, ..., W,,, for class 1, Wyteps + - » Wy, for class 2,
Wyzaps e s Wy, for class 3, etc. Let D, represent the distance
of the unknown pattern vector X from tbe j-th locate of the 1-
class. Then the decision of the NNC 1s given by: X belongs to
waf min(W,Db) < min(W,D,,) for all the 1 different from k.
The leaming process of the modified NNC wal be discussed
together with the learming process of the potential function
classifier PFC.

6.8 The Potential Function Classifier (PFC)

Let P(D) be defined as a monotonically decreasing function of
D (e.g. P(D) = 1/D?). The the decision rule of the potential
function classifier is given by: X belongs to w, if
max(W,P(D»)) > max{(W,P(K,,)) for 2ll the i different from k.
In the above described decision rule the same terminology is
used as in the modified NNC.




6.9 Learning in a multi-category NNC or PFC

Learning can roughly be subdivided n Error Correction

Leamning and Rewnforcement Learming (ref. [16]). Both

principles can also be applicd at the same time.

a) Error Comection Learning: Assume that the pattern

vector X is a member of class 1 (Teacher’s label T=1),
but that 1t has wpcorrectly been attnbuted to class 3
(classifier decision M=3) duc to the proximity of
locate B, and weight W, Let B, be that locate 1n class 1
which is the closest (measured in terms of weighted
distance) to X. The the locates and weights are
modified as follows:

B,=B-k(B-X) and B =B +k(B,-X)
w,={v,-1 and W,=W,+1 (10)

where k and | are the interaction parameters which
control the magmtude of locate movement and the
increments of weights respectively. All other locates
and weights remain unchanged.

Reinforcement Learmang: Assume that X was correctly
assigned to class 3 by the proxamity of B,. Thus locate
and its corresponding weight are then modified as
follows

b)

~

- ]
W=W, -1, n

where k, and 1, are the interaction parameters which
control the magutude of locate mavement and the
ncrement of weights respectively.
While using both techniques of leaming, growing and prumng
scores ¢an be calculated These are techmiques which remove
or add locates 1n the classifier design stage. This 15 not yet
applied 1 the SPPR package, so the entire set training set is
always used 1n the design process.

7. EXPERIMENTAL PRCCEDURE

Two Carbon Epoxy 16 layers lammnated plates bave been
prepared and several kinds of defects were embedded 1n both
plates. The plates were manufactured from Ciba-Geigy
T300/914 prepreg while the defects used were polyester,
paper, polyimide, alumuyum, vacuum bag, copper,
siliconrubber, polypropyleen, peelply, teflon and glass fiber
The defects were located at different depths. The defects
embedded 1n the first plate are shown 1 fig 11, while quite
sunilar although not 1dentical are the defect positions wn the
second plate. C-scan plots of the first plate are given n fig. 13
(plate defect echo). A focused shock-wave probe of 10 MHz
and a near field length of 15 mm was used. By the use of the
depth measurement module, a three-dimensional graph can be
produced as 1t 1s shown in fig. 14. As 1t can be found from the
aforementioned figures, one may describe only the shape and
the depth of the defects and not their nature.

The purpose of Pattern Recogmition applied on Ultrasomic
Data is to analyse further the C-scan images Thus for each
embedded defect (the location previously found by C-scan),
16 A-scan shots were taken at different locations (some of
them already presented in fig 1 to 4). The shots taken from
one plate were used to teach the classifier, the shots taken
from the other plate were used for classification. For each of
the shots, descriptors were calculated in four domains (time,
square time, frequency and autocorrelation domam).

'7’).‘1

i

Sensitivity calculations, based on Wilk's Lambda, were also
performed. Then a selection of features and classifier was
made and the classification error rate was calculated. This
practical error rate was then compared with the theoretical one
which 1s obtained when classifying the signals at random
without prior information. Thus is the upper hmit for the
classification error rate.

8. RESULTS
Results are supplied on seperate pages inserted at the back of
thus paper.

9. DISCUSSION

Comparison of the ume domain signals (fig. 2, 3 and 4) with
the comresponding frequency domain (fig. 5, 6 and 7) as well
as with cross-correlation results (fig 8 and 9) indicates that 1n
the ime domain representation the presence of the defect 1s
more easily to 1dentify and to explain physically On the other
hand frequency and cross-correlation domain representat.on
seem more usefil for the wnterpretation of the nature of the
defect. Further research on information presented in domains
different from the time domain 1s necessary.

In table 6, already a vast number of classification cases are
reported. The Wilk's Lambda, the classification method and
the classification error rate are reported as well As it caa be
derived from this table, the emor rale 1n most cases ranges
between 17 and 27% In the cases that classification returns a
hugh error rate (except the cases where the potential function
classifier was used), this was due to the presence of one defect
which 1s difficult to classify, 1 ¢ plastic (PLP) It appeared to
be very difficult to distinguish the defect signals obtar 2
from polyamide (PIM) and paper (PAP) Tgis even occurs
when the Lambda value 1s low.

The potential function classifier always returns a hugher error
rate compared with the theoretical one when classifying the
sigpals at random A possible explanation 1s that instability
occurs i the case of a distance coming to close to zero In that
case, aithough the potential function reaches infinty, a fimte
value 15 substituted for practical reasons A solution is to
remove the locates which causes this problem. In any case, it
very well demonstrates a peculiar effect demanding further
imveshgation.

Companng hnes 1, 2 and 4 from table 6 shows that the 1-
NNC, the 3-NNC and the M-NNC produce exactly the same
error rate (27%) the same error rate resulted from the
classification problems mentioned 1 hines S and 6 as well as
from the problems n hnes 23, 24 and 25 It shows that the
results seem to be independant from the classifier selection
Actually, 1t indicates that the discnminating power of a
classifier 1s at {irst determined by the quality of the feature set
which has been given Other reasons contnbuting to the above
described pbenomenon 1< that first all these classifiers are
different versions of the basic distance classification method
and second the traiming and the test set are quite small 1n
numbers. Better results are to be expected when the number of
the trainung samples increases.

To conclude, by considering that the feature set was
arbitrarely chosen (so not the best possible), and considering
that the trammng set was not optumized (the store all method
was used), the results can be viewed as encouraging for
further investigation.




10. CONCLUSIONS

Browsing over the results, one can conclude that in ali cases
the classification error rate s much lower then the one
obtamed when classifymng at random. Therefcie, pattem
recognition techniques applied on ultrasonic data has proven
to have great potential, especially when the choice of features
and classifier can be refined in future after continuous
research.

Pattern recogmition techniques couples wath expert systems
and apphied on ultrasonic A-scan signals as well as on other
pon-destructive testing methods, acoustic emisssion or
acousto ultrasonsc, 15 beleived to increase dramatically the
capabilities of these methods.
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8. RESULTS part a

Nr. Classes Features Lambda Classifier Ermot Rate Etror rate
Theory [%] Practice {%)

1 0,1,2 8,12,15,18,19,69,74,77,98 00077 1.NNC 67 27
2 0,1,2 8,12,15, 18, 19,69,74,77,98 0.0077 3.NNC 67 27
3 0,1,2 8,12.15,18,19,69,74,77,98 0.0077 PFC 67 86
4 0,1,2 8,12,15,18,19,69,74,77,98 0.0077 M-NNC 67 27
5 1,2,3 8,12,15,18,19,69,74,77,98 0.0190 1-NNC 67 17
6 1,23 8,12,15,18,19,69,74,77,98 00190 M.NNC 67 17
? 2,3,4 8,12,15,18,19,69,74,77,98 00909 {-NNC 67 46
8 1,2,3,4 8,12,15,18,19,69,74,77,98 00151 I-NNC 7% 46
9 0,1,2,3 8,12,15,18,19,69,74,77,98 00065 1-NNC 75 25
10 0,1,2,3 8,12,15,18,19,69,74,77,98 0.0066 M-NNC 75 25
11 0,1,2,3.4 8,12,15, .8, 19,69, 74,77, 98 00053 1-NNC 80 42
12 0,1,2,5.4 8,12,15,18,19,69,74,77,98 00906 PFC 80 100
13 5.6 13,27,31,69, 73,77, 80,96, 116 0.3710 1-NNC 50 50
14 56 58,71, 74,77, 80, 81, 83,98, 117 0.2550 1-NNC 50 19
15 56 5,12,27,71, 17, 80,81, 83,117 01124 1.NNC 50 20
16 5.6,7 6,12,15,18,27,39,43,71,80 0.0682 1-NNC 67 41
17 56,7 6,12, 15,18,27,39,43, 71,80 0.0682 Lin Class 67 52
18 56,7 6,12,15,18,217,139,43,71,80 00682 M-NNC 67 39
19 5,7 6,12,15, 18,27, 39,43, 71,80 0.3319 1.NNC 50 -
20 5.7 12, 15, 18, 22, 25, 70, 98, 99, 100 0.2762 1-NNC 50 63
21 8,9 $, 12,15, 18, 25, 70, 98, 99, 100 0.1294 1-NNC 50 26
22 78,9 5,12, 15,18, 25, 70,98, 99, 100 00619 1-NNC 67 39
23 6,8,9 5,12, 15, 18, 25, 70, 98, 99, 100 00607 1-.NNC 67 54
24 6,8,9 5,12, 15,18, 25, 70,98, 99, 100 0.0607 Lin Class 67 54
25 6,8,9 5,12, 15, 18, 25, 70, 98, 99, 100 00607 PFC 67 81
26 7.8.9 5,12, 15, 18, 25, 70, 98, 100 00247 1.NNC 67 30
27 8,10,11 6, 11,14,17,27,39,45, 56,74 0.3210 NNC 67 27
28 8,10, 11 6,11,14,17,27,39,43,56,74 0.3210 M-NNC 67 27
29 8,19, 11 6,11,14,17,27,39, 43, 56, 74 0.3210 Lin Class 67 27
30 12,13 1,4,5,6,26,27,28,29, 33 0.0149 1.NNC 50 6
3l 12,13 4,5,6,7,26,27,28,31,35 00000 1-NNC 50 25
32 12,13 1,4,5,6,26,27,28,29,33 00149 Lin Class 50 6
kX 12,13 1,4,5,6,26,27,28,29,33 00149 PFC 50 50
34 5,12, 14 6,27,28,29,69,71,89,90,91 00000 1-.NNC 67 13
35 5,12, 14 6,27,28,29,69,71,89,90,91 0.0000 M-NNC 67 13
36 5,12, 14 6,27,28,29,69,71,89,90,91 0.0000 PFC 67 63
37 5, 12,14,15 6,217,28,29,69,71,89,90,91 0 0000 1.NNC 75 17
38 512,13, 14 6,27,28,29,69,71,89,90,91 00000 1-NNC 75 38
39 9,14,15 6,27,28,29,69,71,89,90,91 0.0000 I-NNC 75 8
40 13,15,16 6,27,28,29,69, T, 89,90,91 0.0000 1-NNC 75 38
41 5,6 27, 28,29,69,71,89,90,91,98 0.1140 I-NNC 50 31
42 56,7 27,28,29,69,71,89,90,91,98 00831 1-NNC 67 59
43 8,9 4,27, 28,29,69,71,89,90,91 0.0640 1-NNC 50 25
44 8,9,11 4,217,28,29,69,71,89,90,91 0.0469 1-NNC 67 50
45 9,12,15 9, 10, 22, 26,27, 28, 40, 42,43 00893 1-NNC 67 17
46 12,13 3,4,8,9,17,19,23,33,39 00422 1-NNC 50 31
47 12,13 3,4.8.9,17,19,23,33,39 00422 1-NNC 50 17
48 5,6 11, 14, 17, 32, 34, 36, 45, 108, 119 0 1369 1-NNC 50 38
49 5,6 11,14,17,34,36 0.1543 1-NNC 50 50
S0 5,7 11,14, 17,23, 24, 80, 119, 125, 128 01033 1-NNC 50 0

Table 6a Results of Classification

Classes:  0: Copper CU, 1 Siliconrubber SIL, 2: Polyprupyleen PPR, 3- Peclply PEP, 4- Plastic PLP, §' Paper PAP, 6. Polyester PES, 7.
Polyimide PIM, 8: Aluminium AL, 9. V: bag VAP, 10- Teflon TEF, 11: No defect CAR, 12 Teflon Coated Glassfiber
TCG, 13: Glassfiber GLA, 14 Teflon d=0.22mm TE2, 15: Teflon d=0.0. Smm TEL1, 16: Paper Prepreg PAG
Features: Numbering is taken as shown in Appendix A.
Classifier: k-NNC  k-ncarest neighbour classifier
M-NNC modified nearest neighbour classifier
PFC potentia! function classifier
Lin Class linear classifier
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8. RESULTS part b
Nr. | Classes Features Lambda Classifier Ecror Rate Ervor rate
Theory [%) Practice [%]

51 6,8 2,3,11,14,17,23,24,95,96 0.0000 t-NNC 50 0
52 6,8 2,3,11,14,17,23,24,95,96 0.0000 PFC 50 100
53 6,9 1,11, 14,17, 23, 63, 120, 126, 133 0.0479 1-NNC 50 6
54 6,9 1,11, 14,17, 23, 63, 120, 126, 133 0.0479 PFC 50 31
$s 5.8 1,2,3,18,22,23,43,95,96 0.0000 1-NNC 50 (1]
56 5.7 11,14,17,22,23,47,76 77,80 01211 I-NNC 50 31
§7 5.7 11, 14, 17,22, 23,47, 7€, 77,80 0.1211 M-NNC 50 3
58 5.8 1,2,3, 18,22, 23,43,95,96 00000 PFC 50 63
59 5.9 11, 14, 16, 33, 39, 45,64, 117, 132 0.1112 1-NNC 50 3
60 5.9 16,33, 45,64, 14,11,39,132,117 0.1113 PFC 50 50
61 7.8 3,2,43,18,1,26,27, 16,95 0.0000 1-NNC 50 6
62 7.8 3,2,43,18,1,26,27,16,95 00000 PFC 50 63
63 1,9 125,119,16, 24, 15, 108, 33, 101,80 | 0.0218 PFC 50 69
65 7.9 125,119,16, 24, 15, 108, 33, 101, 80 0.0218 1-NNC 50 13
66 8,9 1,2,95,96,45,24,27,26,15 0.0084 1-NNC 50 13
61 8,9 1,2,95,96, 45,24,217,26, 15 00084 PFC 50 69
69 56,7 11, 14,23, 17, 80, 119, 125, 24, 128 0.1883 1.NNC 67 25
70 56,7 11, 14,23,17,80, 119, 125,24, 128 0.1883 PFC 67 67
n 5,6,8 3,17,23,11,14,96,95,43,2 0.1634 1-NNC 67 17
k4 5,6,8 3,17,23,11, 14,96, 95,43,2 01634 PFC 67 100
73 56,9 11, 14,23, 17, 45, 16, 33, 63, 108 00286 1-NNC 67 13
74 56,9 11, 14, 23, 17, 45, 16, 33, 63, 108 00286 PFC 67 84
75 6,7,8 3,23,11,17,14,24,43,1,96 00000 1-NNC 67 8
76 6,7,8 3,23,11,17,14,24, 43,1, 96 00000 PFC 67 96
77 6.7,9 11,14, 23,17, 119, 125,24, 1,108 0 0000 1-NNC 67 29
78 6,7,9 11,14,23,17, 119, 125,24, 1,108 00000 PFC 67 83
9 6,8,9 23,1, 11, 14,17,96, 95,3, 45 00018 1-NNC 67 25
80 6,8,9 23,1,13,14,17,96, 95, 3, 45 00018 PFC 67 96
81 57,8 3,43,18,2,96,1,95,23,11 0 0000 1-NNC 67 29
82 578 3,43,18,2,96,1,95,23,11 00000 PFC 67 5
83 5.7.9 16,22, 44, 18,26,92,27,11, 14 05288 1-NNC 67 46
84 519 16, 22, 44, 18, 26,92,27,11, 14 01288 PFC 67 58
85 5.8,9 1,2, 95,96, 45,24, 27,15, 26 00117 1-NNC 67 46
86 58,9 1,2,95,96, 45, 24,27, 15,26 0.0117 PFC 67 83
87 7.8,9 1,2, 24,3,95,96,43,27, 26 00099 1-NNC 67 29
88 7,8,9 1,2,24,3,95,96,43,27,26 00099 PFC 67 75
89 5.6,7 3,11,23, 14, 17,96, 43,95, 24 00000 1-NNC 67 8
90 5,6,7.8 3,11,23, 14, 17,96, 43, 95,24 00000 M-NNC 75 13
91 5,6,7,9 11, 14,23, 17, 119, 125, 16, 33, 80 0.0043 1-NNC 75 29
92 5.6,7,9 11,14,23, 17,119, 125, 16,33, 80 0.0043 M-NNC 75 29
93 6,7,8,9 23,11,14,17,1,3,24,95,96 00019 1-NNC 75 54
94 6,7,8,9 23,11,14,17, 1, 3,24, 95,96 0.0019 M-NNC 75 54
95 5,7,8,9 3,1,2,96,95, 16, 43, 24,22 00636 1-NNC 75 3
96 5.7.8,9 3,1,2,96,95, 16, 43, 24,22 00636 M-NNC 75 33
97 5,6,8,9 11,14,23,17,3,1,96,95,2 0.0000 1-NNC 75 42
98 5,6,8,9 11,14,23,17,3,1,96,95,2 00000 M-NNC 75 42
9 5,6,7,8,9 11,14,23,17,3,1,96,95,24 00030 1-NNC 80 50

( 100 ] 5,6,7.8 11,14,23,17,3, 1, 96,95, 24 00030 M-NNC 80 50

Classes 0. Copper CU, 1: Siliconrubber SIL, 2: Polypropyleen PPR, 3. Peelply PEP, 4: Plastic PLP, 5 Paper PAP, 6- Polyester PES, 7:

Table 6b. Results of Classification

¥z

de PIM, 8: Al

AL, 9: V. bag VAP, 10. Teflon TEF, 11: No defect CAR, 12: Teflon Coated Glassfiber
TCG, 13: Glassfiber GLA, 14: Teflon d=0.22mm TE2, 15: Teflon d=0 035mm TE}, 16: Paper Prepreg PAG

Features: Numbenng is taken as shown in Appeadix A.

Classifier:

k-NNC  k-nearest neighbour classifier
M-NNC modified nearest aeighbour classifier

PFC potential function classifier
Lin Class linear classifier
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Appendix A : Numbering of Descriptors (Automatic generation in 4 domains)

TD = Time Domaia ; MD = Square Time Domain ; FR = Frequency Domain ; AC = Autocorrelation Domain

Features Numbering 1D MD FR AC
# of peaks above signal base line 1 64 107
# of peaks sbove 10% maximum peak amnlitude 2 65 108
# of peaks above 20% maximum peak amplitude 3 66 109
# of peaks above 30% maxamum peak amphitude 4 67 110
# of peaks above 40% maximum peak amphitude 5 68 111
# of peaks above 50% maximum pesk amplitude 6 69 112
# of peaks above 60% maximum peak amplitude ? 70 i13
¥ of peaks above 70% maximum peak amplitude 8 71 114
# of peaks above 80% maximum peak amphitude 9 72 115
# of peaks above 90% maximum peak amplitude 10 7 116
15t greatest peak smplitude 11 74 117
15t greatest peak posiion 12 75 118
1st greatest peak arca 13 76 119
2nd greatest peak amplitude 14 7 120
2nd greatest peak position 15 78 121
2nd greatest peak area 16 79 122
3rd greatest peak amplitude 17 80 123
31d greatest peak position 18 81 124
3rd greatest peak area 19 82 125
41h greatest peak amplitude 20 83 126
4th greatest peak position 21 84 127
4th greatest peak ares 22 85 128
5th greatest peak amplitude 23 86 129
Sth greatest peak position 24 8?7 130
Sth greatest peak area 25 88 13
Inter peak distance 1st and 2nd peak 26 89 132
Toter peak distance 15t and 3rd peak 27 90 133
Inter peak distance 2nd and 3rd peak 28 91 134
Mean value 29 92

Variance 30 93

Standard deviation 3 94

Average deviation 32 95

Skewness 3 96

Kurtosis 34 9

1st greatest peak nse tlime 35

1t greatest peak fall time 36

15t greatest peak full width 37

1t greatest peak half width 38

2nd greatest peak fise ume 39

2nd greatest peak fall time 40

20d greatest peak full width 41

2nd greatest peak half wadth 42

3rd greatest peak nse time 43

3rd greatest pesk fall time 44

31d greatest peak full width 45

3rd greatest peak half width 46

4th greatest peak nse time 47

4th greatest peak fall ime 48

4th greatest peak full width 49

4th greatest peak half width 50

5th greatest peak nse time Si

5th greatest peak fall time 52

5th greatest peak full width 53

5th greatest peak half wadth 54

Total area 55 98 135
Partal area of band 1 56 99 136
Partial area of band 2 57 100 137
Partial area of band 3 58 101 138
Partial area of band 4 59 102 139
Partial area of band § 60 103 140
Partial area of band 6 61 104 141
Parta! area of band 7 62 105 142
Partial 2rea of band 8 63 106 143
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Abstract

Dm-:lfe detection in aircraft structures in-situ 1s important, es-
peci y}vilhnotvli:me" ts in composi ponents for a
variety of reasons. ¢ present paper & new technique based on
the Acousto-Ultrasonic (AU) ptis introduced, buti dof
extracting information from the externally generated pulsed wave,
as with AU, the characteristics of waves reflected from defects are
measured. In this way it was possible to idenufy and locate
defected areas in b mb panels and thermoplastic carbon
fibre laminates The results were correlated wiin ultrasonic C-
scans, and satisfactory agreement was obtained. Th : present is part
of a major project aiming at the develop of fastinspection
met]h for aircraft components during routine maintenance
cycles.

1. Introduction
Damage detection in aircraft structures under u1-situ conditions

promising results. The method conssts in capturing reflections of
externally generated ultrasonic low frequency waves fromexisting
defects. The reflected waves are detected by a network of AE
sensors and defect location is performed by measuring differences
in arrival times at the nodes of the network.

Results from representauve aircraft composite components were
correlated with ultrasonic C-scan recordings to venfy the validity
of the method and are encouraging.

2. Materia’s and Experimental Procedure

The present experimental study was mainly concerned with the
assessment «  the capability of the AUL technique m detecting
debonding in adhesively bonded structures and delaminations 1n
CFRP panels. To this end, & helicopter panel assembly made of
Al-alloy 2024-T4 skins and honeycomb Al-Al 5052 core adhe-
sively bonded in a sandwich construction was tested. Besides,
panels made of carbon reinforced thermoplastic (PEEK) lammates

and within the limitations of hangar facilities is of greatimp
and the relevant NDI techniques certainly play a decisive role.

Inrecent years adhesives were increasingly used both in structural
as well as in nonstructural applications. Easily nfgicable. reliable
and fast non-destructive inspection 1s most welcome with adhe-
sively bonded joints, e.ﬁ. helicopter honeycomb structures and
helicopter rotor blades. Furthermore, the effect of environmental
condiuons or of service-induced damage on the performance of
bonded jomts during service hife, such as impact, requires addi-
tional reassurance of bond quality. Consequently, there 1s a need
for NDE techniques capable of characterizing the structural per-
formance of bonded jomts reliably both after fabrication and
during service life.

Debonding and delamination damage was observed in honeycomb
panels (skins) on several occasions after a number of flights as a
result of vibrations and complex stress states.

By the standard coin tapping test debonding can be d d,
however, the results strongly depend on inspector’s experience to

eiv. acoustic differences by the ear. Besides, by means of
portable pulse-echo ultrasonics unbonds can be detected, but the
efficiency of the method on weakbonds 1s questionable. Although
ultrasonic C-Scan may produce reliable results, the application of
the method has considerable limitations, since the aircraft compo-
nents concemed must be disassembled.

Foranin-situi ion, A ic Emission (AE) techniques have
alsolinitations since load application is necessary, while Acousto-
Ultrasonics (AU), introduced by Vary [1], is a relatively new
technique under development. Recent studies [2-4], however,

were produced inah g press atamoulding cycle of 370°C and
10 bars for 7 min. The stacking sequence was [45/90/-45/0)2s and
artificial defects were induced by inserting teflon film tabs at the
2nd, 8th and 15th layer interfaces. The helicopter panel assembly
wias damaged in flight with debonding developed between Al s*in
and core. %’hc major debonded area was approximately 12 cm®.

In the first place panels were C-scanned to evaluate structurat
ntegnty and assess the vahdity of AUL results In Figs 1and 2
tmages taken from through-transmisston tnspection of a typical
sandwich pane!l and CFRP laminate respectvely are shown These
plots clearly reveal the exact locauon and magnitude of defects
enabling thus calibration of hardware settings for the AUL tech-
nique on unflawed arcas.

o
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Fig.1 : C-Scan representation of H/P sandwich panel by
means of through-transmission ultrasonic inspection

have demonstrated that AU methods can be used to Emvide
quantitative information of the mechanical performance of bonded
joints by correlating the AU stress wave propsgation charac-
teristics and joint strength.

From the practical point of view, the AU method offers some
advantages. The technique requires access to one side of the
structure only and is potentially suitable for use on existing struc-
tures where two-side accessability and the structure must not be
disassembled [5).

In the present paper, an AU location (AUL) technique is proposed,
tested on vanous urcraft composite components, either carbon
fibre reinforced laminates (CFRP) or honeycomb panels and gave

5? 2 : C-Scan representation of Carbon/Peek [45/90/-
/0]2s laminate by means of through-transmission uitra-
sonic inspection.
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Measurements were cammed out by means of LOCAN- and SPAR-
TAN-AT AE systems of Phi'{sxcal Acoustics Corporation (PAC),
Princeton USA using 150 kHz resonance transducers, type PAC
R15 and 40 dB gan preamplifierss, type PAC 1220A. System
threshold level was 30 dB. Externally gencrated waves were

Ised into the test specimens by means of R15 sensors using
E:ill-in pulsers of the tespective AE system at a repetition rate of
1 Hz, pulse width lps i rise time < 100 ns.

Initially, application of an AU technique was attempted - hiot by
performing frequency analysis of the reflected wave after having
travelled through the medium. By scanning the whole surface of
the specimen with a set of two transducers, a pulser-receiver pair
separated by a constant distance of 60 mm, it was hoped thata 3D
plot of certain descriptors of the burst waves detected by the AE
sensor would reveal defect areas. Although some encouraging
results were initially produced, it was eventually decided to aban-
don the technique, mainly due to the lack of repeatability 1n the
measured descnptors values, probably a result of different coup-
ling conditions.

The only parameter of the detected wave not senously affected by
the couphing efficiency between probes and specimens was the
travelling time between pulser and receiver. Then the idea for the
new technique AUL was conceived in & straightforward manner.
Tt was decided to perform the classical AE location, by measuring
arnval times at the different sensors of a network. However,
wstead of considenng the externally generated wave, the ones
occurnng from reflections due to defectboundanes were recorded
and damage location was obtained.

4

Fig 3 : Schematic diagram of the Acousto-Ultrasonic Loca-
ton (AUL) set-up.

The AUL experimental set-up used 1s sllustrated in Fig. 3 and
measurements were performed as follows: Two AE transducers
were used, 185 mm spart for the sandwich panel and 140 mm for
the CFRP laminate and the pulser was placed halfway this dis-
tance. The latter was selected ing wave at i
Such a typical attenuation curve for the helicopter sandwich pane}
of Fig. 1 is shown in Fig. 4,
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Fig.4 . Wave attenuation charactenstic curve for a H/P
sandwich pancl assy.
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The set of the three R15 sensors was moved 1n parallel to itself by
steps of 10 mm to scan the area. Reflected waves from the defect
regions were received by the two AE sensors and sumgle linear
location calculations were performed based on the arrival ume
difference between the two receiving sensors, see Fig. 5.
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Fig.5 : Linear location principle.

3. Results and Discusslon

Typical results of the AUL method applied as above are givenin
Figs. 6 and 7 According to this new technique the stress wave
generated by the pulser is reflected on the defect boundaries and
the absolute time values at the moment that the reflected waves
are received by the AE sensors are used to locate the defects. Fig.
61llustrates the results obtamned from the hchoo{)lcr panel and Fig.
7 those of the carborn/PEEK laminate. For correlaton purposes the
AUL graphs were supenmposed on ultrasonic C-scans of the same
scale. In these figures the two receiving AE transducers were
denoted by triangles while the solid circles indicate the predicted
defect location. 'fhe C-scan background of Fig. 6 is 2 magnifica-
uon of the defect area of Fig. 1 to maich the dimensions of the
location plot. As confirmed from Figs. 6 and 7, the AUL results
are in satisfactory agreement with those of the C-scans proving
how promising the present method is
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Fig.6 : AU-Location results for the honeycomb panel supar-
imposed on C-Scan graph.
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Fig.7 . AU-Location results for the Carbon/Peek laminate
superimposed on C-Scan graph.




Further imspection of the results reveals that the AUL technique
detects the most critical points of the defect. This observation is
alsosupported by the fact that for the artificial defect of Fig. 7, the
location poants are vertically ordered, while for the the real de-
honding in the honeycomb panel, Fig. 6, the locates are quite
randomly distributed. However, the bond quality around the criti-
cal points is, at least till present, beyond the limits of the method.
Currently, further investigation is performed, aiming at the deter-
mination of defect dimensions.

(he man sdvantage of the AUL technique over conventional
ultrasomic C-scan inspection is the increased scanning speed of
large arcas. Furthermore, this new NDI method isapplicable in-situ
Junng maintenance, thanks w the flexibility of the portable AE
mstrumentation. By using expandable AE systems supporting a
lar,e number of monitoring channels, such as SPARTAN-AT of
PAC, 1115 possible o evaluate the structural integrity of s large
aircraft panel right away.

4. Conclusions

A new cyperimental technique is introduced for the detection and
locationof defective,i ¢. debonded or delaminated, areas inhoney-
comb panels and composite laminates. The method is based on the
All concept, e.g. on the analysis of acoustic emission signals
smulated by ulirasonic waves externally generated by a pulsed
sourve and travelling through the malcria{ Despite similarity with
conventional Al) wechniques, the present method aims primarily
at flaw detection and location rather than the investigation of the
mtegrated effect of material damage on the ultrasonic signal
vharacteristics {1]. Furthermore, in the approach so far outlined,
the ultrasonce pulsed wave is used to generate reflections from the
boundaries of the defective arcas, and location is performed by
measunng differences of wave arrival times in a network of
piesoclectne receivers, Since the method is dealing with the
characteristics of reflected waves rather than of the externally
generated ulirasonic wave, careful calibration of the AE hardware
setup as well as selective positioning of the pulser and the detecting
tranisducers are necessary.

Resuits from the honeycomb pancels and artificially defected cartr
on/PEEK laminates tested are satisfactery and in sgreement with
ultrasonic C-scan images. Once the proper calibration of the
hardware was successful, the technique proved its reliability and
repeatahibity,

Naturally, several features need further investigation, as for
example the effect of the pulser position in-between the two
receivers on the exact determination of the defect position, when
performing linear location. Furthermore, the effect of the coupling
hetween prabes and test specimen on the accuracy of the results
must be also be investigated, since during the present work, it was
proved that ithas a strong influcnce on the reflected wave deserip-
ors.

fn conclusion it can he stated that the results of the present
experimental procedure are encouraging and the method car: be
further developed into a reliable, fast NDE technique for in-situ
ntegnty assessment of acrospace components,
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ABSTRACT

The mechanism of delamination in tapered
unidirectional specimens with dropped
plies is discussed. Results from six sets
of static tests with different numbers of
dropped and continuous plies are
presented. Specimens with 2 dropped/4
~ontinuous, 2 dropped/8 continuous and 6
dropped/4 continuous plies were tested in
tension, and specimens with 2 dropped/16
continuous, 2 dropped/32 continuous and 4
dropped/32 continuous plies were tested in
compressior:. In all cases failure
occurred by delamination into the thick
section both above and below the dropped
plies. Resuits are ccnpared with
predictions from a simple formula based on
the strain energy release rate associated
with the terminating plies, with the
tracture energy determined from tension
tests on a unidirectional specimen with
cut central plies. Good correlation was
found, and this approach is recommended as
a design method for predicting
delamination in tapered sections.

1. INTRODUCTION

Delamination is a major cause of failure
in composite structures and so accurate
prediction of the onset of delamination
and understanding the fundamental
controlling mechanisms are of considerable
importance. A tapered section involving
the progressive dropping of plies is one
of the structural configurations which is
prone to delamination. Tapered sections
are very commonly used to achieve changes
in thickness. A typical example is a
helicopter rotor blade, where increased
thickness is ..ecessary near the root.
Rotor blades are often made predominantly
from unidirectional composites since the
loading is mainly in the spinwise
direction. Glass fibre-epoxy is a
frequently used material because of its
good strength and damage tolerance. The
study of delaminat on in tapered
unidirectional glass fibre-epoxy is
therefore directly relevant to the design
cf composite rotor blades. It also
prevides a very simple configuration with
which to investigate some of the
fundamental mechanisms controlling
delamination in tapered sections.

Most composite structures are made of

laminates with plies of different
orientations. Free edge stresses are a
major cause of delamination in such
configurations. Edge effects make the

study of the effect of taper much more
difficult and also tend to cause much

greater scatter ain test results. However
these effects are not present in
unidirectional conmposites. Glass

fibre-epoxy is a good material with which
to study delamination because it is
possible to detect the initiation and
propagation of delamination visually.

Delamination in composites has been
extensively investigated, but there is not
yet a concensus on a reliable method to
predict accurately its occurrence. A
nupber of authors have investigated the
problem of delamination in tapered
laminates and attempted to predict failure
based on maximum stresses [1,2]}, averaged
stresses {3) and strain energy release
rates {4]. However these studies have all
concerned quite complex laminates with
multiple dropped plies which present
difficulties in both test and analysis.

In the present study a more fundamental
approach has been adopted by concentrating
solcly on unidirectional specimens with
simple symmetric tapered sections. A
design method based on an equation derived
from a strain encrgy release rate analysis
is presented, and correlation between
predictions and experimental results for
both static tension and compression |is
performed.

2. EXPERIMENTAL
2,1 Tension Tests

Three series of tension tests were carried
out on tapered unidirectional glass
fibre-epoxy specimens with dropped plies.
The material was Ciba Geigy pre-preg with
E glass fibres in a 913 epoxy matrix. The
configurations tested were all symmetric,
with 2 dropped/8 continuous, 2 dropped/4
continuous and 6 dropped/4 continuous
plies. Plies were dropped in pairs. The
6 dropped plies were in three groups, with
a spacing of 2 mm between the forward vair
and the other two pairs. Each specimen
had a taper at both ends so that the
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gripped ends were both the full thickness.
This was done to avoid failures at the
tabs. The tapered panels were made in a
press-clave between flat plates. The
thickness between the plates was kept
constant by positioning fill-in plies on
the outside of the release cloth in the
thin section, as shown in Fig. 1.

porous

top tooling  ful-inplies release cloth

“bottom T
tooling non-porous
release cloth
FIG1 MANUFACTURING METHOD FOR TAPERED
SPECIMENS

Specimens 200 x 10 mm with a gaug. length
of 100 mm and 50 nm aluminium alloy tabs
were tested under displacement control at
a rate of 0.5 mm/min. The length of the
thin section in the middle was 27 mm.
Load v2rsus displacement plots were
produced using a chart recorder. Back
lighting was used in order to detect onset
of delamination.

All the specimens behaved very similarly.
The lines at the ends of the dropped plies
became nuch more visible at relatively low
loads, indicating fracture of the matrix
ahead of the dropped plies. Delamination
started immediately above and below the
end of the dropped plies, and spread
stably over a small area before rapidly
propagating to the tab. 1In all cases the
location of the delamination corresponded
closely to the interface between
continuous and discontinuous plies. No
significant fibre failure was visible.
For the specimens with six dropped plies,
the delamination initiated at the forward
pair and followed the interface with the
continuous plies.

The specimens with 2 dropped plies
generally delaminated stably across most
of the width of the specimen over a length
of several millimetres. The specimens
with 6 dropped plies were much mnore
unstable, with no delamination past the
start of the outer dropped plies before
rapid propagation occurred. In none of
the tests was there any delamination into
the thin section.

The results are summarised in Table 1.
Stresses have been calculated on the basis
of the actual average widths but nominal
thicknesses using a ply thickness of 0.127
mn and the number of plies in the thick
section. This was done in order to avoid
discrepancies due to different thicknesses
which are normally caused predominantly by
variations in the amount of resin. The
nominal ply thickness corresponds to a
volume fraction of 60%. The stresses are
those at which total delaxination to the
tab occurred, which could be clearly
identified by a drop in the load. The
stress at onset of delamination was more
difficult to determine objectively, but

was quite close to the propagation stress.
In all cases the two ends delaminated
separately, and the values given are those
for the first delamination.

2.2 Compression Tests

Three series of compression tests were
carried out on specimens of the same
material with 2 dropped/16 continuous, 2
dropped/32 continucus and 4 dropped/32
continuous plies. Much thicker specimens
were required than those tested in tension
in order to avoid buckling failures.
Panels were made up using the same ply
fill-in technique as before, but with only
a single taper. Specimens 10 mm wide were
cut and tabbed as before. The gauge
length was 20 mm fcr the specimens with 32
continuous plies. A reduced length of 15
mm was used for the specimens with only 16
continuous plies. The end of the
terminated plies was positioned in the
centre of the gauge length. Specimens
were tested in an IITRI fixture in an
Instron machine under displacement control
with a crosshead rate of 0.5 mm/min.

For the specimens with 4 dropped/32
continuous plies, a small amount of
delanination occurred stably and then
propagated rapidly to the tabs. The
specimens then started to bulge outwards,
and at this point a small amount of
delamination also occurred into the thin
end of the specimen, at the mid-plane.
With a small further increase in the load,
catastrophic compressive failure occurred
in the centre of the specimen, at the
drop.

For tne 2 dropped/16 continuous ply
specimens, a small amount of stable
delamination into the thick section was
also seen, but then catastrophic failure

occurred. It is thought that the failure
sequence was similar to the thicker
specimens, but occurred more :apidly

because of the much lower buckling stress.

The 2 dropped/32 continuous ply specimens
behaved similarly. Two specimens
delaminated back to the tabs before final
failure, and two failed catastrophically
before significant delamination occurred.

In all cases the main delamination was
accompanied by a large drop in load, and
the stress at which this occurred was
taken as the failure stress. Results are
shown in Table 2. As before, stresses are
based on actual widths and nominal
thicknesses of the thick section.

3. FACTORS AFFECTING FAILURE

Three factors may be important 1in
influencing failure in tapered sections,
and these have all been investigated.
Firstly there 1s the stress concentration
associated with the terminating plies.
Secondly there are interlaminar shear and
normal stresses induced by the tapered
geometry. Finally there is the effect of
the curved fibres adjacent to the ply
drop.




The effect of the stress concentration
caused by the ply drop has been
investigated using straight specimens with
the central plies cut across the full
width (5]). This produces a similar stress
coucentration effect as for specimens with
dropped plies, but without the geometric
effects of the taper. When tested in
tension, these specimens delaminated in a
very similar manner to the dropped ply
specimens. The resin between the ends of
the cut plies fractured very early on.
Later, delamination initiated above and
below the terminating plies on both sides
of the cut. After a small amount of

delamination at increasing 1load, the
specimens delaminated to the ends at
approximately constant  load. The

delamination stresses were lower than for
dropped ply specimens with the same number
of continuous and discontinuous plies, and
the propagation was generally more stable.
In some cases it was possible to unload
the specimens during propagation, measure
the delaminated area and then reload them.
These differences are beiieved to be due
to the effect of through thickness
compressive stresses .nduced in the taper
of the dropped ply tension specimens,
which inhibit the initiation of
delamination. However, once the
delamination has spread away from the
drop, the through thickness stresses are
greatly reduced, and so the delamination
propagates rapidly. This explains why in
all cases the propagation of delamination
for the dropped ply specimens occurred
unstably.

Tests on scaled specimens indicated a
significant size effect, with the
delamination stress decreasing with
increasing specimen size. This shows that
a simple stress analysis cannot be used to

predict failure since the stress
distributions in scaled specimens are
identical.

Another problem is that 1linear elastic
analysis of these specimens with the resin
between the ends of the cut plies already
fractured produces a singularity at the
cut. There are two approaches to this
problem. One is to use the stress at a
point or averaged over a distance away
from the cut, and the other is to use a
fracture mechanics approach. Both these
methods have been investigated [6). It
has been found that with the point and
average stress criteria the distance
perameters are not material constants, but
vary .ignificantly with specimen geometry.
Use of a strain energy release rate
approach gave better results, although it
was found that the fracture energy is also
not strictly a constant. For an increase
in thickness of a factor of 8, the
apparent fracture energy increased by 69%
(6,7). Although this is an important
effect, over a limited range of size 1t
should still be possible to make useful
engineering predictions.

The effect of interlaminar stresses due to
the tapered geometry but without the
terminated plies was 1nvestigated by means
of tension specimens waisted through the
thickness [8,. These were made by
machining straight specimens with a
diamond wheel.

Relatively severe waistirg
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was found to be necessary to ensure
failure in the tapered section. Panels
4.4 mm thick were waisted down to 1 mm
with a radius of 32 mm and to 2 mm with a
radius of 64 mm using a diamond wheel.
This gave two tapered sections of length
approximately 10 and 12 mm respectively on
each specimen. For these specimens
without a macroscopic singularity it was
found that a stress based failure
criterion worked satisfactorily. The
interlaminar shear stress was found to be
the most important component, although
there was a significant interaction with
stresses in the fibre direction. The
effect of this interaction could be
accounted for using the Tsai~Wu failure
criterion. Testing of scaled specimens
indicated no significant effect of size on
strength.

The effect of fibre curvature was
investigated by means of specimens with an
inclusion in the middle (5]. This
produced a change in thickness analogous
to *hat caused by dropped plies, but
without the stress concentration due to
the terminating plies. Tension specimens
were fabricated with eight unidirectional
composite plies, and two extra "plies" of
thin nylon film in the niddle over half
the length. A similar manufacturing
technique was used as for the 4dropped ply
specimens, with nylon film in-fills on the
outside of the release cloth. The
thickness of the film was similar to the
composite ply thickness.

These specimens all failed due to fibre

breakage 1n the tab region. Linear
elastic finite element analysis showed
that there were interlaminar tensile

stresses of up to 128 MPa present at the
start of the thin section at the failure
load. Despite these high stresses there
was no indication of any delamination
spreading from the nylon film into the
thin section of the composite.

The angle of the plies in the tapered
region was estimated from photos to be
between about 6 and 7 degrees on either
side of the centreline. No fibre damage
was observed in this region despite the
significant curvature of the plies.

compressisn specimens with an inclusicn at
the middle were also fabricated. In this
case 32 continuous composite plies were
used, with two layers of film adhesave in
the middle. This produced a taper angle
cf about 3 to 4 degrees. Even with this
amount of misalignment and ply curvature
these specimens all failed at the tabs
with no damage visible in the tapered
section.

From this work it was conclucded that the
cricvical parameter affecting delamination
in tapered unidirectional composites is
the strain energy release rate due to the
terminating plies. The tapered specimens
with inclusions did not delaminate despite
high stresses being present locally. In
this case it appears that the strain
energy release rate wac not sufficient to
drive the delamination. Neither dad
premature failure occur as a result of
fibre curvature in the tapered region.
The machaned tapered specimens dad
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delaminate, but a large thickness change
and relatively small radius were required
to produce failure. In cases where
terminating plies are present, the effect
of the stress concentration is likely to
be much more significant than the effect
of overall interlaminar stresses.

4. PREDICTION OF DELAMINATION

Based on the previous work a method has
been proposed to predict delamination of
tapered sections. This method is now
described and then applied to both the
tension and conmpression tests presented
earlaier.

Fig. 2 shows the geometry of delamination
in a specimen with cut plies. Consider
the extension of an existing delamination
of length a by an amount da. The effect
of the propagation is to unload a volume
dabt, and increase the stress in a volume
dab(h~-t) from ¢ to oh/{(h-t), wherz b 1s
the specimen width, h the total thickness,
t the thickness of terminated plies and ¢
the stress based on the total thickness.
This gives the following expression for
the strain energy release rate:

G = o’ht (1)
{E(h-t)

Where E is the fibre direction Young’s
modulus. The effect of the local stress
field around the crack tip does not affect
the strain energy release rate since this

stress field simply moves along the
specimen.
= —— B

a+ o
FIG 2 GEOMETRY OF CUT PLY DELAMINATION

The same equation also applies to the
dropped ply specimens after they have
delaminated some distance. In both cases
the initial energy release rate 1is
different from that given by (1), and this
can be calculated by finite element
analysis. For the cut ply case G was
found to be initially slightly higher,
whilst for the dropped ply case it was
lower [5]). However it has been found that
use of this simple equation actually gives
better correlation with test results than
using initial values of energy release
rate calculated by linear elastic finite
element analysis. The reason for this is
thought to be because a plastic zone
arises at the end of the terminating
plies, modifying the initial energy
release rate {9).

The finite element analysis also coafirmed
that for both the cut ply and dropped ply
tension tests, the delamination is a pure
mode II failure.

Rearranging (1) gives the delamination
stress as:
o = {3EG, (h-t)/ht (2)

The value of the fracture energy G, was
determined from cut ply tension
delamination tests. Specimens with 2 cut
and 8 continuous plies were used. As
discussed earlier, the fracture energy was
found to increase with increasing number
cf plies. Five of the tapered specimens
had plies dropped in pairs, and one had a
block of 4 plies dropped together. A
specimen with 2 cut plies was therefore
considered to be the most appropriate for
deducing the fracture energy. The average
delamination propagation stress for 6
specimens was 773 MPa, with a coefficient
of variation of 2.2%. Using the nominal
ply thickness of .127 mm, and Young’s
modulus of 43.9 GPa, equation (1) gives a
value of G, of 1.08 N/mm.

Using this value of G,, and equation (2),
the delamination stresses for all six
cases of dropped ply specimens can be
predicted. For the case with 6 dropped
plies it was assumed that delamination was
controlled by the forward pair of dropped
plies. For this case the delamination
stress based on the thin section stress
was actually the same as for the 2
dropped/4 continuous ply case. Predicted
delamination stresses based on the thick
section are compared with the average
experimental results in Table 3.

S. DISCUSSION

The experaimental results are very
consistent, with low values of coefficient
of variation. These therefore provide a
good basis for assessing the accuracy of
the predictions. The results show that
the delamination strength decreases with
the number of dropped plies. There is
also a trend of 1increasing strength with
increasing number of continuous plies,
both in tension and compression.

The correlation between predicted and
measured delamination stresses is good.
with results being within about 6% in all
but wne of the six cases. The worst
correlation is for ¢the 2 dropped /8
continuous ply specimens, where the
predicted strength is about 20% less than
measured. These specimens had the same
nurber of plies as the cut ply specimens
from which the fracture energy value was
deduced. The reason for the higher
strength than predicted is believed to be
due to the beneficial effect of through
thickness compressive stresses generated
by the tapered geometry.

At first sight the prediction for this
case might be regarded as being over
conservative. However, 1if any ainitial
delamination 1s present in the region of
the drop, for example due to impact damage
or manufacturing defects, then the point
from which delamination propagation would
start may be beyond the zone of
compressive normal stress. It may
therefore he over optimistic to rely on
the presence of these beneficial stresses
when predicting strength. The proposed
method is therefore still considered to be




a good basis for design.

The prediction for the 2 dropped/4
continuous ply tension specimens is less
conservative. In this case there are only
half as many continuous plies, and so the
magnitude of through thickness compressive
stresses is reduced.

For the 6 dropped/4 continuous ply case
the measured strength 1s slightly lower
than predicted. As stated earlier, the
strength is controlled by the forward pair
of dropped plies, and so this specimen is
initially equivalent to the 2 dropped/4
continuous ply case. The reason that it
is relatively weaker is again thought to
be due to the effect of through thickness
compression. In this case the compressive
forces induced by the taper are reacted on
the next pairs of dropped plies, and so
there is not the same effect of
compression induced across the plies where
delamination initiates.

For the compression tests, the
applicability of the proposed method 1is
less clear. 1In this case no cracks were
observed immediately at the end of the
droppel plies as occurred in tension, and
as was assumed in deriving the energy
release rate equation (1). However, the
presence of a resin pocket in front of the
dropped plies is believed to have a
similar effect to a crack, since the
stiffness and yield strength of the resin
are both low, and so use of this equation
may still be justified.

A further problem in the compression tests
is that through thickness tensile stresses
arise at the ply drop. It is therefore no
longer a pure mode II delamination but
mixed mode I and II.

Despite these problems, the correlation

between predicted and measured
delamination stresses in compression is
very good. This may be partly fortuitous.

A trend of increasing fracture energy with
thickness has been observed (7). On this
basis the compression specimens would be
expected to be stronger than predicted
since the thickness is greater than that
cf the cut ply specimens used to measure
the fracture energy. on the other hand
due to the mixed mode nature of the
failure under compression these specimens
would be expected to be weaker than
predicted since the mode I fracture energy
is less than the mode II value. For the
unidirectional glass fibre-epoxy specimens
tested here, these two effects appear to
be cancelling each other out, and so close
predictions are obtained.

However, this may not always be the case.
For example, preliminary work on carbon
fibre-epoxy has suggested that this
material may be more susceptible to the
effect of through thickness tensile
stresses, and so predictions based on the
proposed approach may be unconservative.
More investigation of this effect is
required. A possible way around 1t could
be to measure a value of fracture energy
from cut ply specimens in compression as
well as in tension, and use the

appropriate value depending on the type of
This would require a change 1in

loading.
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the specimen manufacturing method to
provide a gap between the ends of the cut
plies in order to prevent them butting up
under compression.

Preliminary work on specimens with dropped
+45° plies suggests that it should be
possible to extend the proposed method to
cater for situations where the material is
not purely unidirectional.

Fatigue tests have also been carried out
which indicate that a similar approach can
be used for the design of tapered sections
subject to fatigue loading. In this case
it is the delamination propagation rate as
a function of strain energy release rate

which can be used as the basis of
predicting life.

6. CONCLUSIONS

The critical parameter affecting
delamination in tapered unidirectional
composites with dropped plies is the

strain energy release rate associated with
the terminating plies. Through thickness
normal stresses are also important,
inhibiting delamination when they are
compressive, but decreasing strength when
they are tensile.

A method has been presented for predicting
the strength of tapered sections based on
a simple equation for the strain energy
release rate and a value of fracture
energy measured from a unidirectional
specimen with the central plies cut across
the full waidth. This method has been
applied to three sets of tapered tension
specimens and three sets of compression
specimens. 1In five of the six cases the
predictions are within about 6% of
measured delamination strengths, and in
the sixth case the prediction is
conservative by about 20%.

This approach 1s recommended as a design
method, although some caution 1is required
in applying it to compression loading due
to possible adverse effects of through
thickness tensile stresses. Further
investigation of this effect is being
undertaken. The propesed approach looks
promising as the basis for a general
design methodology for predicting static
and fatigue strength of tapered
composites.
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No. dropped plies 2 2 6

No. continuous plies 4 8 4

Delamination 721 968 406
Stress (1ea) 4 = 2
Thick Section 724 976 410
Ivorase Spes (e
C.v. (%) 2.3 1.0 1.1
Average Stress (MPa) 1106 1209 1020

Thin Section

Table 1:

Experimental Results for Dropped Ply Specimens in Tension

No. dropped plies 2 2 4
No. continuous plies 16 32 32
Delamination 775 920 549
p—_— 4 os: 2
Thick Section 801 892 560
Avgrass Stress (uFa)
C.v. (%) 3.7 2.8 2.5
Average Stress (MPa) 863 942 636

Thin Section

Table 2:

Experimental Results for Dropped Ply

No. dropped plies 2 2 6 2 2 4

No. continuous plies 4 8 4 16 32 32

Tension or compression T T T c c [+

Measured delamination

Stress (MPa) 737 967 408 767 887 565
Predicted delamination

Stress (MPa) 706 773 424 815 838 576
Difference (%) -4.2 -20.1 +3.9 +6.3 ~-5.5 +1.9

Table 3:

Correlation

of Predicted and Measured Delamination Stresses
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Introduction

One of the bastc properties of carbon fibre remnforced pla-
stic laminates 1s to react on impacts with a matnx failure
mainly in the ‘nterfaces of the plies In principle multiple de-
lamintions occur between the plies extending over a centam
area.

These impact damages have two detr l cffects Furst
they create a significant compression strength reduction and
second it cannot be expected that al} of them are wvisible The
second cffect 15 enlarged by the apphcation of the modem
toughened resin systems and leads to the conclusion that un-
known strength reducing damages may be present in the
structure which therefore did nct cause any maintenance or
repawr action

To overcome this problem and to provide the complete
structural integnty, Damage Tolerance requi were de-
fined against low velocity impacts. These have been determi-
ned investigating the scenanos, which the aircraft will expe-
rience during 1ts service hfe (see Zig 1) Impact energy
levels have been determined and specificd for dedicated
structural regions e the outer surface of the aircraft 1s sepa-
rated into vanous regions and to these are assigned certain
impact energy levels. For reference test purposes the shape of
the 1mpactor was specified to be 1 inch hermsphencal and
such do not nisk to create visible damages due to sharpness

For the A/C manufacturer these Damage Tolerance requi-
rements let anse the problem how to make sure that the struc-
ture achieves the specified level. The most common approach
to solve this problem s to introduce the Damage Tolerance
aspect 1nto the sizing cnitena dunng structural layout, 1¢ the
method to determine the required thicknesses and lay-ups

A simple and practicable cnteria 1s the hrmitation of the
fibre strains in the Jaminate These may be loaded up to cer-
tain steain values in tension and tn compression. Providing fi-
bres in all 4 directions (0°, + 45°, -45°, %°) any loading con-
dition 1s controlied comprehensively. Applying this sizing
criteria the establishment of Design  llowables is reduced to
the derivation of two limiting strain allowables

Since an impact does not reduce the tension strength to a
considerable extend the limiing tension strain cannot be ba-
sed on an “after tmpact” cntena More severe 1s the require-

ment of repairability since the original matenal tension strength
can hardly be restored whatever repair method is under consi-
deration.

The allowable compresston strain ts therefore the design
value which must ensure the required level of Damage Toleran-
ce against low velocity impacts and which must cover the
strength cnitical influences as well.

Since the understanding of the compression after impact
behaviour has not yet scttled, a comprehensive test programme
was conducted nvestigating coupons and ply drop off speci-
mens the prepreg system Narmco 5245C/T800. The test results
data base was evaluated and used for the denvation of the limi-
ting strain allowables 1n compresion This procedure 1s a signi-
ficant step within the Damage Tolerance quahfication route as
detailed in Fig. 2

COMPRESSION AFTER IMPACT TEST PROCEDURES

A well-known test procedure for compression after impact
(CAI) 1s the so-called "Boeing Test”. This test set-up requires
specimens with the dimensions of 100 x 150 mm and a thic-
kness of about 4 mm. The test fixture was not designed for the
test of larger specimen sizes and a scahig up of the specimen
dimenstons 1s not possible due to buckling reasons. Regarding
the worst case damage sizes, which have to be assumed 1n A/C
structures, the restnction of a specimen width of 100 mm can-
not be accepted Varying the damage sizes while keeping the
specimen width constant, an influence from of specimen width
to damage size (W/D) cannot be excluded and not demonstrated
as well. Doubts ansed if the "Boeing Test" set-up s feasible to
create a sausfactoning knowledge about "compresston after im
pact” effects which 1< sufficient to take 1t as a basis for the den
vation of Design AHowables These doubts could not be chi-
nated and 1t was decided to develop another test set-up which
allows to test a wider range of specimen dimensions  Especially
a flexibility 1n the thickness and the width dimensions was scen
to be of great interest.

It 15 the nature of compression tests that the load introduc-
tion and the ant-buckling device require speial attention and
efforts Additionally the effort increases with the specimen di-
mensions since higher loads are involved and only httle misa-
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lignement create casily large bending moments .

The test set-up was designed for the following specimen
geometry:

Length (constant) 1 = 300mm
Max Width w = 250 mm
Tricknesses t =4-8mm

Frg. 3 details the assembly drawing. The main features
are the upper and lower load introductior: devices providing a
constant load distribution of the specimen by a moment-free
load transfer through the upper and lower beaning bolt. These
two beanng bolts have centnc guides to ensure the lateral
centicity. The centnc instaliation of the upper and lower devi-
ces is of essential importance and can be casily guaranteed,
adjusting the alignement of the lower to the upper bearing
block by using one of the bolts. The specimen itself is lateral-
ly clamped by two stiff angles in order to prevent brushing-up
of the load introauction frontal areas.

‘The manufacturing telerances for the parts were relatively
tight to guarantee the centric installation of the specimen

Fig. 4 details the drawing for the anti-buckhng device.
Two thick Aluminium plates assembled with steel masks to
carry 18 pillows are clamping the specimen 1n between with a
defined force This 1s adjustable by cup spnings under disks
The anti-buckling guide restncts the munimum specimen
width to 100 mm which represents the width dimension of the
"Boeing Test”

TESTING

The new test set-up was applied to investigaie plain cou-
pons and Ply Drop Offs mainly keeping the ratio of width to
damage size constant, i.e. W/D = 4. This required a special
procedure for specimen preparation

! Manufactunng of a base plate from which the specimen
wilt be cutoff (E g.1=2m and w =300 mm)

2 Application of the impacts.

3 Detenunation of the impact damage sizes by Ultrasonic
Inspection

4, Cut out the specimens with the required widthes (W/D =
4") from the base plate.

S Static test at RT or elevated temperature

Duning an initial test phase of the "wide specimen test
set-up” intenstve checks on instrumented damaged and unda-
maged specimen have been undertaken to collect experience
and to settle the test procedure This exercise approved that
reproducable compression after impact values are generated
but naturally, the method 1s not apphcable, to measure the un-
damaged strength

The aim of the test program was to identify important pa-
rameters which are of interest for the denvation of Design
Allowables

o Different delaminauon sizes have been created applying
different impact energtes. The support conditions during
impact have been a 200 x 200 mm frame and the expe-
nience has shown that 3 impact energy levels, 15, 30 J
and 60 J, are sufficient to find out the residual strength
(strain) versus damage size characteristic.

o The width to damage size charactenistic was investigated
in the range from W/D =2uptoW/D =8

o Three thicknesses have been tested: t = 4, 6 and 8 mm

TEST RESULTS CONCLUSIONS

The evaluation of the test results allowed some basic conc-
lusions which are valid for the investigated material Narmco
5245C/T800.

1. There 1s no sigmficant difference 1n residual strength bet-
ween RT/AR and h/w tests.

2. The ratio of specimen width to delamination diameter has
no influence in the range of W/D =2 up to 8.

3. The damage threshold 1s dependent on the thickness. Waith
increasing thickness the damage threshold *s nising to hig-
her impact energies. But once the damage threshold s ex-
ceeded the occunng damsge is comparably larger 1n thick
laminates

4. The residual strength after smpact 1s dependent on the lami-
nate thickness. Considening the damage size effzct thick la-
minates are less susceptible to impact damages than thin
ones

5. Small damages being generated with tmpact energies at or
below the damage threshold do not affect the original lam:-
nate strength.

6. In Ply Drop Off regions the occuring impact damages are
considerably larger in comparison to plain laminates.

7 The characterisuc of residual strain versus damage size
from Ply Drop Offs correspond well to the results of the
plain coupons.

Fig. 515 providing an overview of the charactenstics which
have been discovered.

From fracture tough with  the
5245C/T800 matenial and a companison to values from untoug-
hened resin systems a certain performance 1n compression after
impact strength was expected. The test programme did not con-
firm these expectations This may indicate that fracture tough-
ness 1s not a rehable parameter to correlate with the Damage
Tolerance performance of a matenal.

LIMITING STRAIN ALLOWABLES IN COMPRESSION

The experience with the compression after impact tests in-
dicated that the ratio of width to delamination size is of no in-
fluence but the thickness dependency should not be neglected
during the establishment of the hnmung strain allowable in
compression Test Data for very thin laminates have been taken
1nto account from H/C sandwich data tested 1n CAI Such a data
file could be assembled covering taminate thicknesses starung
a1 0.75 mm and ending up with 8§ mm

Combining the Damage Tolerance requirements of the figh-
ter arrcraft structure with the allocated structural thicknesses
and the B-basis CA. test values, the limiting strain atlowables
given in Fig 6 have been denved Obvisously the overall level
of the allowable compression strain 1s rather small and the que-
stion is allowed whether thess values are too pressimistic In
tins context the correlauon between coupon tests and real struc-
tures 15 often questional. This objection can be rejected based
on test results from 4-point bending boxes which allowed to
compare coupons with a structural feature. These boxes failed




consistently through the impact damages at strain levels
which fit into the coupon data.

In a wider range another confirmation of the derived De-
sign Allowables can be seen 1n tne qualification tests for the
fighter awrcraft structure.

Representative full scale structural boxes with CFC skins
are impacted according to the referring requirement and after-
wards w Fatiue cycled The impacts were throughout the test
monitored for damage growth control and up to now no im-
plications have been expenenced. This remains valid as well
for the final residual strength tests.

SUMMARY AND CONCLUSION

A test set-up has been developed for CAl tests ailowing
coupon sizes from 300 x 100 up to 300 x 250 mm and thic-
knesses from 4 to 8 mm. The test set-up approved to measure
the residual compression strength after impact in accordance
with other test methods e.g. the "Bocing Test” and 4-point
bending boxes The test set-up 1s applicable for the investiga-
tion of all relevant test parameters and provides in addition to
current test procedures the possibility to vary the geometric
dimensions, width and thickness, in 2 wide comfortable ran-
ge. This performance emphasizes its application for data col-
lection and subsequent Design Allowables derivaton.

The expenence with the Damage Tolerance aspects du-
nng the development of a fighter aircraft demonstrates that 1t
1s possible to introduce and consider impact requirements 1n
the structural design phase
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Low Energy Impact Risks of a Fighter Aircraft
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Repairing Delaminations with Low Viscosity Epoxy Resins

A.J. Russell and C.P. Bowers*

Defence Research Estabhishment Pacific
FM.0. Victoria, B.C., Canada
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1. SUMMARY

Although resin injection 13 the procedure most often
specified for repmining delaminations, field experience
as well as numerous experimental investigations have
shown it to be unreliable andin many cases meffective.
This paper identifies some of the ‘easons for thmsand
then goes on to describe the successful development of
an epoxv resin specially formulated for delamination
repair. The ability of this resin to fully restore the out of-
plane properties of delaminated carbon/epoxy
laminates is demonstrated and some of the more
practical aspects of repairing deluminations both on
and off aircraft are discussed.

2. INTRODUCTION

The Achilles’ heel of most laminated organi.c matnx
composite materials currently utilized in advanced
fighter aircraft and !elicopters 13 their poor
nterlaminar properties. 2n . during assembly and in-
service this weakness can lead to the formation of
delaminations from a number of different causes
including hole drilling, fastener installation, pry
damage, 1mpact damage, free edge stresses and
hghtning strikes. While considerable research and
development activity has been directed towards
charactenzing the interlarmnar fracture and fatigue
properties of these matenals and 1o assessing the
structural significance of delaminations, much less
effort has gone into developing effective repair
procedures. Most of the repair options that have been
considered 1nvolve one of the following:

(1) removal of the delaminated material and
instal.ation of a patch;

(i1 stamhzation of the delamincted plies with
mechanical fasteners; or

(1) injection of an adhesive into the delaminations.

The suitability of each of these procedures depends on
the loading conditions, the thickness of the part and the
nature of the matenal. lror example, impact damag~ of
hightweight honeycomb sandwich structure, wll
normally require the removal of the delaminated skin
material to gain access to the damaged core. Or the
other hand, for laminates thicker than 5 mm, bonded
scarf patches become excessivety large and the use of
bolted patches may be hmiwd by weight restrictions
and airflow p.rturbation considerations Under these
circumstances, options (1) and (1) are clearly
preferable. For monohthic carbon/epoxy structure
containing fastener holes 1t has been demonstrated that

* DAS Fng, NDHQ, Ottawa, ONT, Canada.

by using blind fasteners to “clamp-up” impact damage
induced delaminations 1t is possible to fully restore the
design ultimate compression strength [1]. However, in
regions of high interlaminar shear stress or in bonded
structures which experience design strais in excess of
4000 micro-straun 1t 13 unlikely that this approach would
be satisfactory. Under these conditions, resin injection
would appear to be the most promising method for
repairing delaminations in as far as 1t produces no
significant stress concentration, results in a neghigible
ncrease in weight and has the potential to .ally restore
all of the interlaminar properties. Unfortunately, most
reported attempts to develop and qualify resin injection
repairs have been unsuccessful (1-3}. These findings
are supported by our own experience with resin
njection repairs of delaminations on the CF-18, which
18 that the qualified adhesive and procedure specified in
the structural repair manual seldom wai k satisfactonly.

This paper reviews the results of a research program
aimed at improving our ability to repair delaminations
m the carbon/epoxy structure of the CF-18 aircraft The
ongins and nature of these delaminations 1s discussed
and tests carmed out to quantify and model the flow of
resin mnto soine typical delammations are descnibed.
The rheological, thermal and mechanical properties of
a specially formulated epoxy resm are characterized
and 1ts abihity to completely infiltrate and rebond
delaminatiorsis evaiuated. Tests to determine to what
extent 1t 1s possible to restore the compression strength,
damage tolerance and the abihity of the laminate to
support high interlaminar shear stresses are descrbed.
Finally, some specific delamination repair procedures
for use both on-aircraft and in an autcclave are
suggested and the influence of contaminants entenng
the delaminations prior to repaur investigated. A more
detailed description of some of this work can be found
1n references 4-7.

3. CF-18 SERVICE EXPERIENCE

Generally speaking, the carbon/epoxy composite
structure on the CF-18 has proven to be relatively
damage resistant. Most of the damage requiring repair
has been caused by mishandling or by foreign object
damage either in fhght or on take-off and landing and
has been hmited by and large to the hghtweight
honeycomb sandwich structure found on the fhight
control surfaces and numerous doors and access
covers. See Figure 1  The monohthic carbon/epoxy
structure, which 1s mostly between 5 and 15 mm n
thickness and limited to the wing skins and vertical
stabilizer, has a higher impact energy threshold andis
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CARONEPOXY AND ALUMINUM
HONEYCOME SANDWICH

B MONOLITHKC CARBONEPOXY

Pigure1 Usage of carbon/er~xy on the CF-18.

also less hikely to show wisible signs of damage. Since
no routine non-destructive examnations are carried
out, the existence and distribution of delaminations is
largely unknown. However, some of the trailing edge
wing panels were partially inspected ultrasonically mn
1989 following the discovery of a manufacturing
related problem associated with the mechamcal
attachment of the skins to the underlying substructure.
An unexpected sensitivity to fit-up tolerances at nb/spar
joints, as shown in Figure 2, had produced
delaminations adjacant to fastener holes in some
trathing edge panels. Out of approximately 30 fastener

Delamination Skin

Figure 2. Localized bending and delamination caused
by poor fit-up.

holes that were inspected on each trailing edge panel on
15 different aircraft an average of one delamination per
aircraft was found. In mestinstances the delaminations
were less than 25 mm 1n diameter, although in some
cases the manual inspections indicated delaminated
areas as large as 50 x 80mm. Based on recent C-
scanning of some of the delaminations, 1t has been
concluded that inspections with hand held transducers
tend to over-estimate the size and degree of
connectivity of the delaminations. In addition to the
type f delaminations described above it 15 also hkely
that wing-sxin delaminations resulting from impact
damage could occur from time to time, although as
mentioned before this has not been a problem to date. it
was therefore the goal of this program to develop resin
njection repairs for both fit-up and impact induced
delaminations.

4, RESIN INFILTRATION TESTS
Figure 3 shows the geometry used to mode] the flow of
resin into a delamination. The resin enters the

delamination under pressure P, through a hole of
radius Ry and is assumed to flow radially outwards
within the delamination cawity of opening h For a resin

RESIN FRONT

Figure 3. Resin flow model geometry.

of viscosity 1 the time taken to reach aradius Ris given
by [4):

{= Sl R (2 In®RAR) -1) + K|
(P;-P2yh?

where P, 1s the pressure ahead of the resin front  In
order to venfy the applicabihity of this model to real
delaminations, and to determine typical values for h,a
senes of nfiltration tests were carned out. The holed
plate shear (HPS) test speaimen shown 1n Figure 4
reproduces the fastener hcle and shear loading of the fit-
up problem described above while maintaining the
concentric geometry of the resin flow model.

(1

Load Cell
Ball Bearin Clamp
PR
Ram Test Panel
with hole
" wwce4 Holed plate shear test loading mrangement.




Delaminations are created by applying a load to the
fastener hole while supporting the specimen on a nng
of the desired diameter. Imtial tests were carmed out on
the same matenal and stacking sequence as the CF-18
trailing edge panels (48 plies of Hercules’ AS4/3501-6
carbon/epoxy comprising 8% 0s, 84% +45s and 8% 0s).
In later tests the thickness was varied but the ply
onentation percentages were kept the same.

Resin infiltration was carried out 1n an ultrasome C-
scan tank so that the resin front position could be
determined as a function of time. Alow viscosity epoxy
resin without curing agent was forced into the fastener
hole under pressure after pre.evacuating the
delaminations. Details as to how this was accomplished
are given in Reference 4. Figure 5 shows one set of C-
scan images recorded during the infiltration of a 48 ply
specimen containing 76 mm diameter delaminations.

’ ‘—\-‘;87'n'1m -:bv

Rigure 5. A series of C-scan 1mages showing resin
infiltration as a function of time (minutes).

The resin front position in each of the 4 quadrants of the
delaminated area was measuved from each image and
plotted as a function of time. Equation 1 was then least
squares fitted to each data set using h as the fitting
parameter. Figure 6 shows the data fits corresponding
to the images shown 1n Figure 5. In most ca<es the
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Figure 6. Resin front position versus time
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agreement with the model was quite good, with values
of h ranging from 1to 10 um  The fitted values of h wll
be referred to as hegy since they represent the effective
delamination opening for resin flow and appear to be
somewhat lovier than the actual openings observed
microscopically on pohished cross sections (see figure
16 for example). As might be anticipated, there was
considerable scatter 1n the hy values from quadrant to
quadrant and from one specimen to another.
Nevertheless, the results showed a strong dependence
of hegron both delamination size and Jaminate thickness
as shown 1n Figures 7 and 8. While1it 1s evident that the
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higher h o values correspond to greater thru-thickness
compliances, no increase in h oy was observed as the
injection pressure was raised. It 1s hypothesised that the
delaminations open momentanly following the
imitiation of delamination growth and that fracture
debns limats the extent to which they subsequently close
up. The thinner HPS speaimens and those supported
on the larger diameter clamps are less restrained from
opeming and therefore end up with larger values of h g
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From the flow model and the measured values of hqit
18 possible to predict the amount of resin flow required
to successfully repair some typical delaminations. First,
however, 1t 1s necessary to recognize that the resin
viscosity 1s a function of both me and temperature. By
modifying Equation 1, the total flow potential of the
resin from the time of mxing to the time of cure can be
compared with the flow requirement to completely fili
an area of radius Ry:

t

cure

1q,» A REE InRo/Ry) 1) + RY) @
g, N (P-Phiy

Table 1 gives the value of the quantity on the nght hand
side of Equation 2 for some representative delamination

Table 1 Resin flow requirements for some typical
repair conditions. Laminate thickness = 6mm.

Delamination Size |Resin Flow Requirement (Pal)
Diamecter| h off 350 kPa 700 kPa
(mm} | (@ m) | on- awrcraft autoclave
repair repair with
vacuum
30 04 52680 26339
50 14 14100 7200
75 39 4740 2370

s1zes and injection parameters These data reveal that
small delaminations provide greater flow resistance to
resin infiltration than larger delaminations and indicate
that a viable delamination repair resin should have a
flow potential of the order of 50,000 Pa! In
comparison, the epoxy adhesive currently specified for
delamination repair on the F-18 was found to have 2
flow potential of only 800 Pa-1 and because of the short
pot life not all of thisis realized 1n practice. Although
other commeraally available epoxy adhesives having
superior flow properties were 1dentified none of these
approached the desired 50,000 Pa1 Consequently. the
development of aresin system designed specificaily for
repainng delaminations was undertaken in house

5. RESIN DEVELOPMENT

5.1 Adhesive Formulation

In addition to the aforemicntioned flow requirement, an
adhesive for repairing delaminations must also pus-ess
a number of uther properties These include the ability
to effectively rebond the delaminated surfu.es togethier
and an adequate resistance to the musture and
tumperature regimes encountered by the component
being repaired as well as a cure temperature that is
compatible with on-arreraft repair  Thus, while
viscosity 1< clearly an important consideration 1t should
not be the over-nding factor in formulating a resin
system. For-example, a low wiscosity bi-functional
epoxy was chosen rather than a lower viscosity mono-
functional epoxy because of the low glass transition
temperature, Ty, and poor mechanical properties
resulting from the latter’s inabihity to cross hnk

Likewise, very low viscosity amines were avoided as
curtng agents because their high volatihity can cause
them to “bml off” dunng cure, producing a porous bond

line. Latency of cure, as determined by differential
scanning calorimetry, was the key parameter in
selecting a curing agent. Other factors which
influenced the resin formulation were surface wetting
charactenistics, and the ability to withstand a post-cure
at 177°C , which might anse 1f the same component
required a full autoclave repair at some later date.

The delamnation repair epoxy that was ultimately
developed will be referred to in this paper simply as the
DREp resin. Unless otherwise stated, the cure cycle
used consisted of a 0.5°C/min ramp to 140°C followed
by a 2 hour hold and a cool-down cycle which lasted a
mimmum of 45 minutes This gave a glass transition
temperature of close to 140°C which dropped to 120°C
upon saturation with moisture Cure temperatures
down to 110°C also gave satisfactory results but with
lower T;s At higher temperatures, the T, followed the
cure temperature up to 160°C with little improvement
beyond this point.

5.2 Flow Properties

Figure 9 shows the reciprocal viscosity of the DREp
resin as a function of time for four different infiltration
cycles At 25°C the imtial viscosity was 650 centi-Poise
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Figure 9. Plots of 1viscosity versus time for four
different infiltration’cuning cycles.

(¢P), increasing to 1725 ¢P after 6 hours On heating
freshly mixed resin at 1 1°C/min the viscosity fell toa
mmimum of 60 ¢P after 1 hour and then increased
rapidly as the resincured The areas under the curves
n Figure 9 represent the total flow potential as defined
by theleft hand side of Equation 2. These areas, which
are plotted as a function of time in Figure 10 are
relatively unaffected by the heating rate. What s
important to note, however, is that for repair
prucedures whete the resin s ijected at low or ambiert
wmperature and then cured without further application
of pressure only o fraction of the total flow potential s
realized  In some cases this may be as hittle as 50%.

5.3 Mechanical Properties

Tests were carried out ‘o measure the interlamnar
shear properties of delaminated ply interfaces
rebonded with the DREp resin.  Umdirectionai
laminates, contaiming 24 plies of AS4/3501-6
carbon/epoxy pre-preg and contaiming non-adhesive
inserts on the mid-plane were fabricated and cut into 20
mm x 150 mm end notched flesure (ENF) specimens
18] Delanminations were grown n shear from the ends
of the mserts to within 20mm of the ends of the
speaimens  The delaminations were then opened
shightly, filled with resin, elamped shut and cured for 2
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hours at 140°C. The middle 75 mm of some of the
rebonded specxmens were cut up into short beam shear
specimens while the others were used for mode Il
interlamnar fracture and fatigue tests. The results of
the short beam shear tests, plotted in Figures 11 and 12
indicate that the rebonded strength was close to that of
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Figure 11 . Short beam shear strength - dry.
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the controls under all conditions tested. However, there
were more mmd-plane failures in the rebonded
specimens particularly at elevated temperatures and
after moisture conditioning. The mode I interlaminar
fracture toughness, Gy, as measured by the ENF test,
was found to be 40 to 50% higher in the rebonded
specimens than in the controls. See Table 2. While

Table 2. Mode I interlaminar fracture toughness.

100 120 140 160

Temperature G Control
It)) e Values
) (J/m?) J/m?2)

20 940, 1011, 904, 927, 630

100 785, 740, 758 530

some of this increase can probably be attnbuted to the
greater toughness of the DREp resin compared to the
composite matrix, part of 1t undoubtedly originates
from the greater thickness of the interlaminar matnx
Jayer present in the rebonded specimens and the
benefiaial effect that this has on Gy [91 Figure 13
compares the interlaminar fatigue crack growth rates
under shear loading ..f rebonded specimens with those
of the controls While no change 15 apparent at low
values of AG); the greater fatigue resistance at higher
values 1s consistent with the observed improvement in
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Pigure 13. Interlamuinar fatigue crack growth rate.

6. REPAIR OF HPS SPECIMENS

As well as providing information pertaining to resin
flow, the HPS specimens proved to be suitable for
evaluating resin infiltration procedures and also as a
mechanical test for assessing the repairability of
delaminations 1n regions of high interlaminar shear
stress.

6.1 Resin Infiltration

Resin injection repairs to delaminated holed plate shear
specimens were carned out 1n a two stage process as
shown in Figure 14. First, the plate was placed 1ina
transparent plastic box, the air evacuated and DREp
resin injected into the fastener hole. Next the specimen

™ rrreeg ™7 T Ty

1000
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(a) EVACUATION AND RESIN INJECTION

(b) PRESSURE INFILTRATION AND CURE

Pigure 14. Repair procedure for HPS specimens.

was transferred to a steel box which was then placed
between the platens of ahot press. Imtally the whole of
the intenor of the box was pressunzed (125-500 kPa) as
the temperature was raised bui success with this
procedure was 1inconsistent. By pressurizing ti
fastener hole while the specimen was 1mmersec in
water it was discovered that there was a leakage >ah
from the delaminations out to the specimen ed > In
some of the specimens. Not only did this result 1n aloss
of vacuum but 1t allowed air to enter the delaminations
and stop the flow of resin. This problem was eli.mnated
by either seahing the edges of the specimen or by
maintaining the vacuum throughout the cure cycle
using an arrangement such as that shown in Figure
14b. When this latter procedure was adopted, resin
wetted areas could often be observed on the edges of
the specimens following repamir A metallographic
examination of these areas revealed that the resin had
leaked out via matrix cracks runnming transversely
through the six 45° plies located at the mid-plane of the
laminate.

The extent of resin infiltration was determined by
ultrasonic nspection and by metallographic techmques.
Figure 15 shows amphtude C-scan images of a well
repaired (a, and a poorly repaired (b) HPS specimen
taken before and after repair. The success of the DREp
resin 1n filling all of the crevices and surface features on
the fracture surface as well as the presence or absence
of any bondline porosity was ascertained by sectioning
some of the repaired plates, sanding and pohishing the
cut edges and examining them at high magnification
with an optical microscope. In general, any plates
which appeared from the ultrasonic C-scan to have
been successfully repaired, exhibited vaid-ivee
bondhine= with no evidence of poor surface wetting. A
section turough a well repaired delamination showing
the iypical “hackle” features characteristic of mode 11
interlaminar fracture can be seen in Bygure 16

6.2 Post-Repair Failure Loads

The mechanical effectiveness of the repairs was
investigated by re-loading the HPS specamens and
comparing the post-repair failure loads with the initial
damage loads. The load-displacer-ent curves, an
example of which 18 shownin Figure  were linear to
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Figure 15. Ultrasome C-scan images taken before and
after repair

F\gure 16 . Section through arebonded delamination
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failure and the maximum load was found tu be quite
reproducible from specimen to speamen. Preliminary
tests revealed that it was niecessary to tepar the initial
hole dnlling damage prior tthe first loading m oder to
obtain a vahd comparison [5] Figure 18 shows thatat
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ambient temperature all of the post-repair failure loads
were within 10% of the imitial values The loading
compliances were also restored but these were found, in
general, to be a less sensiive measure of the quahty of
the repair At elevated temperatures, Figure 19 , the
effectiveness of the repairs gradually decreases
reflecting the lower T, of the DREp resin compared to
that of the matnx.
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Figure 19 Effect of temperature on the restoration
of the HPS specimen failure loads

7. IMPACT DAMAGE REPAIR

7.1 Restoration of Compression Strength

A series of tests were carried out to assess the
effectiveness of resin injection repairs at restoring the
ccmpression strength after impact (CAD Quasi-
1sotropic laminates of AS4/3501-6 carbon/eporny, 40
plies thick, were machined into 100 mm x 150 mm CAl
speamens  Low velocity impacts of appronimately, 10,
20, 30, 40 and 55 joules produced a range of
delaminations sizes as shown in Figure 20 At the three
lower enermes back-surface damage was either abseut

10J 204 304 40J 554

Figure 20 . Representative C-scan nnages of the CAI
specimens for each impact energy

or limited to lonmitudinal splitting of the vuter ply
However, at 40 and 35 joules damage was clearly
visible with up to 6 phes protruding beyond the back
surface ditectly beneath the pont-ofampact. For each
impact energy, 2 specimens were loaded n
compression as damaged while 2 were flist repaired
with the DREp 1esin. The repair procedure was
essentially the same as that descnled for the HPS
specimens except that the resin was forced 1nto the
delaminations either thiough the back surface damage
or via 3 or 4 small (<1 mme) holes dnilled into the
laminate. The test results, plotted 1n Figure 21, indicate
that almost all of the compression strength can be
restored for impact energies below 30J and that even
when back surface damage 1s present, acceptable
falure strauns can still be attained
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Figure 21 . Restoration of compression after impact
strength

7.2 Restoration of Damage Tolerance

A second set of CAl tests were runin order to deternine
how effective the injection repairs were 1n restoring the
ability of the laminate to sustain further impact
damage As before, 4 plates were impacted at each of
five energies, however, only one was tested as
damaged, two were repaired and then reampacted
with the same energy as before and one wasimpacted a
second time without reparr - Ultrasonie C-scans tahen
after each impact revedaled, Figure 22, that the sizes of
the ddlaminations produced in the repaned plates were
~sigmificantly smaller than in the  a- fabricated
specimens  This finding was supported by the
compression test data, Figure 23, which indicated that
the CAl strength~ were greater in the repared
specimens, particalaniy those impacted at the higher
impact encrgies  Metallogaphic examination of some
of the impacted plates also 1cvealod that the bondhine
thickness was groater an the plates impacted at the
higher energies
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8. CONTAMINATION EFFECTS

Unhike most other repair situations involving adhesive
bonding, the inaccessibility of the delamination fracture
surfaces precludes the use of any normal type of
surface preparation prior to resin injection.
Consequently, the possibihity of one or more of the
numerous contaminants, commonly encountered
around aircraft, entering mnto the delamimations pnor to
repair isof concern. Although, no attempt was made to
determine the hikelihood of contaminant ingress, some
tests were carried out to investigate what effect some
typical aircraft fluids might have on the repair strength
if they were present inside the delaminations. Five
glass beakers, each contaning three delaminated HPS
specimens were placed in turn in an evacuated
chamber and filled with one of the following
contaminants, JP-4 jet fuel, H-537 hydraulic fluid,
detergent, seawater and “Ultragel” (an ultrasomc
couplant). After the specimens were completely
covered, the vacuum was vented alloming atmospheric
pressure to gradually force the contaminants into the
delaminations aver a period of 2 months. Upon

removal, the specimens were dried for 4 hours at 121°C,
repaired as descrnibed 1n section 6.1 and finally re-
loaded to farlure. Ultrasonic C-scans were taken to
confirm that the delaminations had been completely
infiltrated by the contaminants and also to inspect the
repars

The test results are shown in Figure 24. The specimens
that had been immersed in JP-4 regained most of their
imtial load bearing capacity, indicating that little or no
residue remained after drying. None of the hydraulic
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Figure 24. Effect of prior contamination on HPS post-
repair failure loads.

fluid contaminated specimens was properly repaired,
the C-scans indicating that only the region closest to the
fastener hole had been rebonded. Since this suggested
that not all of the H-537 had evaporated prior to repair
an additional test was run using an extended drying
time of 2 days. This specimen did produce a defect-free
C-scan but the failure load was still only 80% of the
initial value. One further attempt to remove all traces
of hydraulic fluid was made by flushing JP-4 through
the delaminations of two more specimens, in through
the fastener hole and out via 4 small holes drilled
around the periphery. This procedure was successful
in restoring approximately 90% of the original strength,
Figure 24. C-scan images with no defect indications
were obtained for all three of the water based fluds but
the mean failure loads were all low, between 9.1 and 9.6
kN. In view of the residues left behind when these
fluids evaporate as well as the similarities in both the
failure loads and loading compliances 1tis reasonable to
assume that these loads represent the maximum
attainable by purely mechanical interlocking without
any effective adhesion. An attempt was made at
removing seawater by fluslung distilled water through
the delarmnations 1n the same manner as was done with
JP-4 for the hydrauhc flmd contaminated specimens
The 2 specimens repaired 1n this manner had falure
loads close to the 13kN of the uncontaminated control
specimens 1ndicating that most of the seawater had
been removed.

9 REPAIR PROCEDURES

9.1 Autoclave repairs

Any components that can be readily removed from the
aircraft, can in principle be repaired in an autoclave in a
similar manner to the test specimens. Figure 25
ustrates one way that this could be done 1n practice.
Another option would be to limit heating to the repair
area alone by means of a heating blanket and to use the
autoclave solely for the application of pressure.

9.2 On-Aircraft repairs

For fixed components such as the wing skins of the CF-
18 where removal is both time consuming and
expensive 1t 18 preferable to repair delaminations and
impact damage on the aircraft. However, with access
himited to only one side of each skin, it 1s no longer
possible to assume that a vacuum can be mantained
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Figure 25. Autoclave delamination repair proceduvre.

ahead of the advancing resin front. Consequently, 1t
would seem likely that pockets of aur would be trapped
within the delannnations both as porosity in the
bondhine as well as m the form of larger unwetted areas.
In order to investigate this further 3 HPS specimens
were repaired without vacuum by a flow-through
procedure in which the resin was forced in through the
fastener hole and air allowed to escape via 4 equi-
spaced holes drnilled into the periphery of the
delaminations. A “resin dam.” was taped over each hole
to prevent excess loss of resin and to reduce the
pressure gradient within the delamination cavity.
Rather surprisingly these repairs were just as
successful as those carried out using a vacuum, there
being no C-scan indications, no bondline porosity and
similar post-repair failure loads [6].

One possible arrangement for carrying out this type of
on-aircraft flow-through repair 1s shown 1n Fagure 26.
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Figure 26 . Arrangement for on-aircraft delamination
repair.

Here, the vacuum, which 1s used only to clamp the
injection puint and heating blanket to the skin, 1s 1solated
from the vent holes. Injection pressures in excess of 350
kPa (50 psi) have been consistently achieved with a
prototype device of this sort. The major imitation to
repairing delaminations in this manner is the presence
of sufficient back-surface damage that the resin leaks
througn the laminate rather than entering the
delaminations
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10. CONCLUDING REMARKS

This investigation has clearly demonstrated that when
complete 1nfiltration is achieved, resin injection repairs
can fully restore the structural integnty of delaminated
carbon/epoxy components. Our findings reveal that
small delaminations and particularly those in thick
laminates are more difficult to infiltrate and have towr
than optimum bondhne thicknesses Fortunately, th:se
types of delaminations are much less hkely to le-.d to
compression falures and 1n many instances m 1y rt
need to be repaired atall. Our results also indicate tha.
repaired delaminations can sustain tlie same
interlaminar shear loadings as the ongiral laminate
This should make 1t possible to extend delamination
repair zones to include locations adjacent to splice
plates, ply diop-offs or other sources of interlaminar
shear stresses.

Based on our experience, ultrasomc C scanning, mn
which the amplitude of any reflections originating from
between the front and back surfaces 1s recorded, should
provide an acceptable means of venfying the quahty of
a repair  Time-of-flight C-scans aie useful for
determiming delamination depths prior to repair but are
of hmited value 1n assessing the degree of resin
infiltration  For cntical repairs where 1t is suspected
that contaminants are presentit ray also be necessary
to flush a suitable solvent through the delaminations
and carry out a chemical analysts of the effluent.

From a mechanistic viewpoint, it may appear
somewhat surprising that some of the out-of-plane
mechanical properties improve following repair since
the original chemica'y cross-linked ply interfaces have
been replaced with bonded interfaces relying on
adhesion and mechanical interlocking fur strength.
Evidently, any leus in strength 1s more than
compensated for by the reduction in interlaminar
stresses which rec ults from the increased separation of
the phes and by the improvement 1n mode II
interlaminar fracture toughness. This 1s particularly
true asthe bondhine thickness increases 1e. in the larger
diameter HPS specimens and in the CAI specimens
impacted at the higher energies. In a sense, injection
repairs can be regarded as being analogous to
interleaved composites where the addition of a layer of
toughened epoxy between the plies has been proven to
substantially improve the damage tolerance [10].

This 1nvestigation 1inte the repairabihty of
delaminatiors by resin injection was carnied out n
response to a specific reguirement, 1 e. the need to be
able to repair CF-18 wing skin delaminations caused by
either fit-up stresses or by 1mpact damage Thus, while
much of this work may be applicable to other matenal
systems and loading counditions, different
arcumstances may make 1t necessary to address other
concerns. For example, not only would delaminations
grown under predomunantly mode I conditions have
smoother fracture surfaces but the effectiveness of
mechamecal interlocking at supporting opening stresses
1s likely to be considerably less than in shear Under
these conditions, repair validation tests dominated by
opening mode stresses would be more appropriate

Also, ininstances where delaminations have a tendency
to recur, such as at a free edge, it would be preferable if
the resistance to delamination could be substantially
improved rather than merely restored  While this could
probably be achieved by adding a rubber toughening
additive to the adhesive, the benefits of this would have
to be weighed against the loss 1 resin flow. On the
other hand, for delaminations that are only a few phes
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deep, resin flow will be less important but 1t may be
necessary to reduce the injection pressure and devise a
means of clamping down the surface plies during
infiltration and cure.
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NUMERICAL DETERMINATION OF THE RESIDUAL STRENGTH
OF BATTLE DAMAGED COMPOSITE PLATES

T. Schnelder, J. Mdws, M. Rother
Dornier Luftfahrt GmbH
P.O Box 1303
7990 Friednchshafen 1
Germany

SUMMARY
High energy impact damage by projectiles is a permanent
thread to all ft or hel s b Be-

{

sides tie actusl damage extent, d by the incident, and its
effect on airworthiness, the question of the residual strength of
the damaged structure arises Based on the expenmental find-
ngs on the damage extent 1n shot-affected APC2/AS4 compo-
site plates, a theoretical prediction of the residual compressive
stzength 1s given in terms of strength, stability and fracture
mechanics pnnciples. These predictions are compared with
test results from four specimens, which have been cut out
from the onginal plates It will be shown, that the delaminations.
caused by the high energy impact, triggered the final compresst-
ve failure of the specimens with the start of an unstable dela-
mination growth and that this event can be correctly predicted
by 8 numerical analysis, if local out-of-plane deformations are
taken 1nto account

1. INTRODUCTION

One of the limiting factors for the application of Continuous
Fibre Reinforced Plastics (CFRP) in primary aucraft structures
1s the incertainty, felt by deselopment engineers and operator
staff, with respect to evolution and growth of damages within
structural components Even if the damage event 1s obvious, as
1t 1s the case with high energy impact damage (HEID), the full
extent of structural damage 1s still unknown and must be detes-
mined with non-destructive testing (NDT) equipment  Another
question, which anses after the occurence of damage, 1s the
capability of the remaiming structure to carry loads

Current state-of-the-art for dealing with these problems 1s the
expenmental venfication Large aircraft components are pre-
damaged by impact loads, artificial delaminations or other
supposed manufacturing defects and subsequently submutted
to static or dynamic loads untit final failure vecurs or a pre-
defined number of cycles has been reached without further
damage growth (for examples, see ref {1]) This procedure 1s
very costly and time-consuming, especially, if other environ-
mental conditions than room temperature and normal mots-
ture content must be reproduced Therefc -e, considerable ef-
forts are made by aurcraft manufacturers as well as research
institutes to provide analytical or numerical procedures for the
prediction of the structural behaviour of damaged CFRP com-
ponents.

The application of Linear-Elastic Fracture Mechanics (LEFM)
principles seems to be a promrsing way to deal with delaminati-
on problems. Sun and Manoharan (2,3) pointed out, that the
total energy release rate G 1s constant during delamination
growth, although its components G and Gy do not converge to
definite values as the assumed crack extension Aa becomes
very small. Numerous other investigators ;eported successful
applications of the energy release rate criterton to delamination

problems for static or dynamic loading, e g ref. (4] and [5).

‘The aim of the cusrent study was to see, whether LEFM meth-
ods in combination with a finite element analysis can predict
the onset of delarmination growth and subsequently the resi-
dual strength of composite plates. which had been subjected to
high energy tmpact loads by projectiles

2. HIGH-ENERGY IMPACT APPLICATION

2.1. Specimen definition

Geometry and lay up

For the impact tests, 240 x 240 mm plates from unidirectional
APC2/AS4 prepreg had been manufactured They d of
34 layers , each O 124 mm thick, giving a totai plate thickness
of 4 2 mm The stacking sequence was tdentical for all APC2/
AS4 plates
(-45/445/y-45/435//-45/+45/90/-45/+35/0/-45/+45/0-45/445/ ey )

Materiwal properties

Suffness and strength properties for unidirectional APC2/AS4
prepreg (room temperature, moisture content as recewved) are
histed 1n table 1.

UD-Propenties APC2/AS4

RT/as received
Eu 1098 GPa
E, 101 GPa
E, 101 GPa
G.,=Gx 37 GPa
Gy, 13 GPa
Uy = Vp 03 -
vy, 042 -
Ol 2050 MPa
Osx.C 1200 MPa
Oy T 87 MPa
Oy 230 MPa
Tay 185 MPa
T Tension C Compression

Table 1. Matenal properties

22. High energy impact application

The four plates, which have been used in this study, had been
part of an extensive test program to investigate the damage
extent n various structural concepts after hugh energy impact
[6]) Two plates had been used as the forwaid and rear wali ina
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Fig 1

box type structure Cubic steel prujectiies were tired with a
velocity of pr 1600 m/s from a short distance on the center
of the feLe plate
The visual damage was nearly the same tor all four plates Figr
I shuws the visual damare 1 an APC2/AS4 piate atter the im-
pact of a 7§ g cubuc steel mass with a velocity of 1603 m/s
The projectiles perfusated both plates, leaving an vpen hole
with extensive laminate splitting along the hole edges Buth
the i pand b ttom sarface layers separated as a naniow. Jiago-
nal strip nearly over the whole plate width
For the tesidual sirengtn tests, the plates were cut to dimensions
120 mm

- -

|
(o} ' .
AR REEREEREREERT]

150 mm

L)
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Penetration hole diameter 30 mm
Oelamination diameter 60 mm
Laminate thickneas 42mm

Fig 2 Plate geometry for residual strength tests

Plate S-19672R after tugn-energy impact apghcation

of 1503 120 nun with the penetiation hole i the centre of the
specinens, g 2

2.3 NDT results

Lliasonic C-scan ispeciion hdd been poniatiied ditedtly atiet
the impact tests They revealed miernan “elaminations with 4
round shape and & diamerer of appiox, Lely twiee the diame
ter of the open hole [0] However, C-sean piretures pive noin-
formation about the pusibon of the delanunation in the laiu-
nate thickness direction

As tms additional afoandtion is vital tor numerical stienpth
predi.ctions on a trachie shiechanics basis, the plates were in-
spected once anain by ultrasome D-scan after machine con-
tourtng, The D-scan method 1s based on the measurement of
tne tume wnterval between the emission of the nitrasomic signal
and the arnivaj of the echo reflected by the delamination s
time 1nerval can be directly related to the positon of the dela-
mination within the lamimnate

A major disadvantage of this method 1s. that only the delamina-
tron, which hes nearest to the laninate surface. can be re-
corded If additional delanunations occur below this fust dam-
age, it remams undetected as long as 1ts area 1s smaller than
the shadow ' of the outer delammation

The resuits of the D-scan inspections are shown afip 3 Al-
though ditferent in details, the relevart findings are suniaz tor
all four plates Atonnd the penctiation hole the unpact caused
a nearly curcular delaminated arca with s Jdiameter of S - o0
mm ma depth of appr 50 9% of the laminate thichness Also
clearly visible ts the shape of the separated strps of the sutface
lavers The curved black lines and some shiaded ascas around
s ends are caused by the stram panee winng ard the silicon
coating,
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3. NUMERICAL INVESTIGATIONS

3.1. Calculation of Energy Release Rates

The man point of interest of this study was the prediction of

the residual strength of battle damaged plates and its compan-

son with expenimental results, Three different failure modes

had to be considered.

O n-plane compression failure

{J global plate buckling

O delamination growth with or wathout local buckling of sub-
lam:nates

Whule the first two criteria represent standard problems, which
can be soived with nearly all commercially available finite
element programs, the latter involves the application of frac~
ture mechsnics principlas in conjunction with & three-dimen-
sionsl hinear-elastic finite element analysis For this purpose, &
post-processor for Dormer’s finite element code COSA-
DEMEL calied SAM3D has been developed [7]. Based on the
virtual crack extens:on method, as 1t has been described by
Parks [8] and Hellen [9]), this processor calculates local energy
release rates along the crack front of an embedded crack or a
surface flaw 1n tirree-dimensional structures

a2

Mode | Mode il Mode Il

Fig 4: Detnition of fracture modes

Due to ihe orthotropic matenal propesties, delaminations be-
tween plies with different fiber onentations generally produce
a nnxed mode problem, where all three modes of fracture (fig
4) are present at the tip of the delaminetion As the critical en-
ergy release rate of composite matenals 15 different for mode I,
11 and HI, 1t 15 necessary to split the total energy release rate
Gyl calculated by the virtual crack extension method, into
the contributions of each single mode

Giotr = Gr + G + G )

Similar to the virtual crack closure method by Rybick: and
Kanninen (10}, the relative displacements of the nodal point~
A and B on the crack surfaces next to the crack tip (fig 5) are
used to estimate the contributions of the single modes Gy, Gt
and Gy to the total energy release rate For orthotropic
materials, the relations between the encrgy relesse 1ates and
the near-up crack surface displacements u’,v* and w* read
{11,12):

Gy~ F; Aw™ (2a)
Gy ~Fp Au™? (2b)
G~ F3 Av™? (2¢)

with
Fy = Vg4 A /(2¥2 Yapaz; (x42)) (38)

Fa = V+A J(2V2 2y (x+)) (3b)
Fy = 172 V(ass/asa) (V2220 e (€25)
and
X = (28124865)/28;, @)
Al=ay/ay, &)

wlere a;, 15 the compliance matnx of the layers sbove and be-
low the delamination plane and u’, v*, w” the deformations
with respect to the local coordinate system, as defined 1n fig,

Delamination tip ine

Fig 5 Defintion of the local coordinate system at the
delamination tront

3.2. Finite Element Models

For the numerical strength prediction two different finite ele-
ment models were created The strength prediction eccording
to the classical lamnate theory (CLT) was performed with a
two-dimenstonal model with only one element 1n the laminate
thickness direction, fig 6 Due to symmetry conditions, only
one quarter of the plate was modelled Laminate properties for
the given lay-up are listed n table 2, The single ply enalysis 1s

.l

Fig. 6: Twn dimensional finte element model




Fig 7 Three-dmensional imite elemunt model with mesh refinement around the delamination front
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done on the element level, with ply stresses and margus of
safety for matrix and fibre failure as output The delaminations
are not taken 1nto account 1n this analysis

The determination of energy release rates along the delamina-
tion nip requires t, e calculation of the three-dimensional stress
and strain state in the vicimity of the crack front For this pur-
pose, the two-d I model, as depicted in fig 6, was
extended in the z-direction Additionally. a considerable mesh
refine. 1ent was necessary in the layers above and below the
suspected delamination plane, fig 7

Laminate Fropert:es for (24/70/6)-Lay -up
APC2/AS4

Exx 39540 MPa

En 25780 MPa

Gx 21198 MPa

Vyv 061 -

Table 2: Laminate properties

Due to imitations in available computer storage space, the
three-dimensional model had to be restricted to one quarter of
the plate and to one half of the laminate thickness Although
this 1s correct on the laminate level (symmetric and balanced
lay-up, delaminatior s not considered), 1t leads to incorrect

conditions along the assumed symmetry planes” on the ply
level A comperison of the laminate displacements along x =0
and y =0 between the two- and the three-dimensional model
neveitheless revealed & good correlation and therefore the in-
fluence of tus local erors on the remaiming model was judged
to be nunor

The full 3D model consisted of 1782 brick elements, each
with 26 nodes, 204 wedge-shaped elements with 18 nodes and
a total of 16248 nodes with 45167 degrees of freedom The
circular delaminahion was modelled between the 16th and 17th
ply of *he lanunate (see 35 1)

3.3. Strength Prediction by CLT

As expected the linear-elastic 2D-analysis gave the highest
stresses and strains at the penetration hole edge at x=0 First
ply fatlure 15 predicied to occur in the O°-phes at a total load
F= 56.3 kN by matnx cracking,. followed by a compressive
fibre failure of the same phes at F = 68,1 kN This 1s considered
to be the ulimate larmmnate suength

3.4. Determination of the Theoretical Buckling Load
COSA-DEMEL currently offers no buckling analysis solution
Therefore the special purpose program COSA-FEST (13] was
used to pred 1 the overali buckiing load for the plates As thus
program uses spec.al plate elements with a quintic displacement
function, a relative coarse mesh was sufficient for this analy-
s1s The delamination was assumed to be in the mid-plane of

Fig. 8. Global buckling mode shape




the laminate, creating two sub-lamtnates wiih identical thick-
ness Fig 8 shows the undeformed mesh together with the
shape of the first buckling mode Instability 1s predicted for a
total load of F = 137 kN Thus 1s far beyond the strength Limit
from CLT and therefore global buckling could be excluded

3.5. Fracture Mechanics Calculations

3.5 1. Energy Release Rates for In Plane Loading

The calculation of energy release rates requires the knowledge
of the delamination position within the laminate lay-up NDT
resuits from D-scan-measurements revealed a delamination
depth of approximately 2 1 mm, with a resolution of about 3 or
4 phes

As ply-angle vanations of 90° between neighbouring layers
are known 1o produce high interlaminar stresses, the most
probable location for the delamunation plarne was between the
16th and 17th layer of the laminate, 1 ¢ the -45°- and +45°-plies
In order to venify this assumption, a second analysis run was
performed, in which the onentations of the 15th and 16th plies
were exchanged, but the position of the delamination remained
between the 16th and 17th ply With thus munor deviation from
the given stacking sequence, G-values for & -45/0-nterface
delamination could be calculated without any modelling effort

Although the finite element model was restricted to one quar-
ter of the plate, energy release rates are given for 0°S 6 <180°.
This was achieved by sunply exchanging the onentations of
the 45°-phes in the model and rerunming the analysis, fig 9.
Again, the compatibility conditions at 6=0" and 6=90" on the
ply level can not be met by this model, but 1f the G-values at

EERERE

EERERR’

+45 -ply

TEEEEE

Fig. 9: Fibre directions relatve to penetration hole edge
in the -45/+45-interface

2.7

thus locations are dropped, the analysis will give useful results
for the rest of the structure

Non-dimensionalized total erergy release rates Gy, y/Gpcr are
compared for the 45/4+45- and -45/0- interface in fig 10, with

Grer=8:  Ex t ©)

where E, is the laminate modulus 1n x-direction, ¢ the total
laminate thickness and g, given by

&=0JE; =FJ(LE,) )

(b = laminate width)

For both interfaces , the highest energy release rae 1s found
between 80°S 0 100" with nearly identcal peak values The
shape of the G-distiibution in thus range had to be spproximated
due to the inaccuracy of the G-calculations ut the assumed
symmetry line For € <40° and 0 >140° the energy release rate
1s neghgible The contributions of the inaividual crack modes
to the total energy release rate 1s shown in figs 11 and 12 for
the +45/-45- and -45/0-interface

According to LEFM principles, delamination growth in g
structure will oceur, if

G=G, (8)

where G, s the critical enesgy release rate or fracture toughness
of the matenal If the toughness is not identical for all crack
modes, s it 15 the case with CFRP. critical energy release rates
for each single mode Gy, Gpe and Gpg must be determined
‘The general failure critenion then reads

(GYG1)™ + (G/Gud)® + (Gu/Gme)’ = 1 ©)

Investigations by Johnson and Mangaigirt {14) have shown,
that for several resin systems m = n = | provides the best fit to
expenmental data (Mode III was not considered in this mixed
mode problem) and therefore was selected for this study
Several authors reported critical energy release rates Gy and
G for APC2/AS4, usually determuined with the double canti-
lever beam (DCB) and the end notched flexure (ENF) speci-
men for Mode I and Il respectively These values are given in
tadble 3

Values for Gnc have not been found 1n the published hterature
due to the current lack of a specumen type, which produces

keference Gy, (N/mm] G INfmm}
Kim, Dhatan {15} 1.34 1.77
Prel. Davies {16) 146 1.11-186"
Gillespie, Carlsson [17) 175 -
Hashemi et al [18) 1.60 1,65
Russell, Street [19) 133 1.76

*YRange of Gy, values de'ennined wath thee different specinen types

Table 3. Crtical energy release rates for APC2/AS4
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Fig. 10: Total energy releass rates for the -45/+45- and -45/0-interfaces
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Fig 11: Energy releass rates for indwidual fracture modes for the -45/+45-interface
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Fig. 12: Energy release rates for indvidual fracture modes for the -45/0-interface

pure Mode I conditions along the delaminetion tip {20] As
an approximation, Gge = Gme and p = 1 have been used
throughout this study

From eq (9) the cntical load for delamination growth mnitia-
tion can be calcula*ed by inserting Gy-, G- and Gppy-values for
6 =90" from figs 11 and 12 1n the mixed-mode failure critenon
As cnitical matenal properties, the values determined by
Russelt and Street (see tab 3) have been used Maximum
compressive loads for the onset of delamination growth are

Fonset =654 KN for the +45/-45-1nterface
Foiset =662 kN  for the ~45/0-1nterface

Both cnitical load levels are much higher than the strength and
stability imut of the plates and therefore delammnation growth
onset under pure 1n-plane loads could be excluded

352 Energy Release Rates for Local Out of Plane
Deformations

Although the buckling analysis gave no indication of instability

related failure, the possiblity of local out-of-plane deformations

Anrad

‘The results of the G-analysis for this case are given in fig 14
for 06590 Compared to G-values for pure in-plane loads
the total non-dimensionalized energy release rate 1s now two
orders of magnitude higher with mode I as the dominating
coatnbution.
Compared to the cntical energy release rates, the ratio of Gyto
Gic is now larger than 1 and therefore 1t can be concluded,
that, if any substantial out-of-plane deformation takes places
(eather from local buckling or any other local damage event),
delamination growth would occur. However, & criticai load
can not be given for this case, as the relation between 2-defor-
mations and load level can only be established by a post-
buckling analysis, which couldnt be performed within this
work,

4. EXPERIMENTAL STRENGTH EVALUATION
4.1. Test setup
The residual strength tests were performed 1n a standard com-
pression-after-impact (CAI) testing device “ree edges of the
plates have been simply supported, fig. 15 The compression
load was applied uniformly along the upper plate edge with a
constant rate of 2mm/mn

At predefined load levels or after the occurance of audible
damage propagation the tests were interrupted and the speci-

1n the ligh-loaded area at 8 = 90° have also been ed
For this purpose a prescribed z-deformation of the outer sub-
laminate perpendicular to the plate along the y-axis has been
applied. It must be emphasized, that this procedure does not
represent & real post-bucklhing analysis, but only can give qual-
itative hints of the structurel behaviour in the presence of out-
of-plane ceformations

For this analysis, the nodal points of the sub-lamsnate along
y=0 from the tip of the delamination to the edge of the pene-
tration hele have been deflected according to

W = Winax (1 - (r¥/a%))? (19)

with w, 1 and a as defined in fig 13 and W, = 1 mm

mens were removed from the testing device in order to estab-

Wax N‘" —

Fig 13 Prescnbed out-of-plane deformation at x=0
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Fig. 14: Energy release rates for simulated out-of-plane deformation of the outer sub-laminate
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lish the damage extent by D-scanning This procedure was
repeated until final fracture occured.

42. Test results

The final fracture loads of all four plates are histed in table 4.
Two of them (No $-19672V and $-19679V) failed without
any detectable delamination growth before final fracture For
the others (No S-19672R and S-19679R) delamination growth
perpendicular to the loading direction prior to total fatlure was
determined. The D-scans of these specimens are depicted in
figs 17 and 18 at three different damage states (before the test,
after delamination growth and after final fracture)

The delamination growth occured at load levels of 81,3 kN
(S-19672R) and 92,0 kN (§-19679R), together with a sudden
drop of the compression load to 70 and 83.3 kN, respectively
When the specimens were reloaded after NDT, final fracture
took place a1 72 kN (S-19672R) and 89,5 kN (S-19679R) For
both plates, the load at delamnation growth onset was there-
fore defined as the compressive strength and compared to the
theoretical predictions, fig. 16

43. Fractography

Visible nspection of the plates after the test showed two dif-
ferent farlure mechamsms The first one is a typical compressive
failure with laminate sphtting and crushing, fig. 19. Only mi-
nor delaminations are found around this fracture zone (see also
fig 17).

In the other case a delamination can be found across the plate
width, accompagnied by a compressive failure of the sub-
laminates at the opposite ends of the delamination along the
edge of the plate, fig 20

Compressive Load [kN]
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- O N
Plate No. Failure load [kN]

; | expenmental 2D-FE-Analysis

U »
$-19672V 996 i )
S-19672R 81.3 ‘ } 681 ‘
$-19679V 1070 | '
S-19679R 20 ]

Table 4: Residual strength test rasults

After the visual inspection. sections of one of the plates, taken
5 mm away from the edges. were examined by microscope.
fig 21. They illustrate once more the different appearances of
both failure mechamisms.

From these findings the following faslure sequence may be de-
ducted Fust fibre farlure took place at 0 = 90° on one or both
sides of the penetration hole, accompanied by local out-of-plane
deformations of the broken phes These deformations, together
with the load redistnbution, led to a sharp rise of the mode |
energy release rate and subsequently to an unstable growth of
the delamination across the plate width This event was imme-
dutely followed by the compression fatlure of the sub-laminates

5. CONCLUSIONS

The a1m of the study was the numerical determination of the
residual strength of battle damaged composite plates and the
expenmental validation of these predictiors Three different

250
........... o7 CHT taminate strength (without demage)
200
150
plate strength (2D-Finite Element Aralys:s)
100
50 l
!
!
|

S-19672v $-19672R

Fig. 16: Companson of theoretical and expernme

S-19670Y S$-19679R

'pressive strength after HEID
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a) teststart

Delamination
depth in [%])
of laminate
thickness

b) after delamination
growth

c) after final
failure

* Side view see fig 19

Fig 17: D-scan pictures of delamination growth and final fracture of plate no. $-19672R
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a) test start

Delamination
depth in {%)
of lammnate
{hickness

b) after delamination
growth

c) after final
failure

4 Side view see fig 20

Fig 18 D-scan pictures of delamination growth and final fracture of plate no S-19679R




2514

Fig. 19. Side view of plate no S-19672R after fracture

Fia. 20 Side view of plate no S-19679R after fracture

types of failure were examned, 1 ¢ strength failure according
to CLT, gleval buckling and delarmination growth onset From
these calculations and the companson with the test results, the
following conclusions can be drawn

<1 The strength predictions according to CLT are conservative
(between 19 and 57%)

“3The compressive strength reduction of the battle damaged
plates ranges from 51 to 63 % compared to the analytical
strength of the undamaged taminate

71 Numetical energy release rate calcul wions predicted no de-
lamination growth for pure m-plane loading Any out-of-plane
deformation, however, would the encrgy rel rate
by two orders of magnitude and hence would lead to mode-l
dniven delaminiation growth onset

<1 Post-failure analysis of the specimens revealed two different
farlure mechamsms Besides a pure compressive farlure med.
with no substantial extent of delaminations around the frac.ure
path a second fatlure mode was 1dentified, which was inter-
preted as an interaction betweer compressive failure and de-
famination growth due to out-o: plane deformations

One of the man goals of this study was the validation of the
fracture mechanics approach for aumerical strength predictions
of delaminated structures Although the numerical analyses
were correct 1n predicting, no delamination growth, the in-
tended validation remains incomplete. because strength failure
preceded any eventual delanunation growth onset However, it
can be concluded from these sesults., that delanunations under
pure static in-planc loads are uncntical as fong as no out-of-

plane deformation of the sub-lanunates occur In the latter
case, a detailed post-buckling analysis 1s necessary in order to
predici load level and location of delamunation growth onset
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Effect of impacts on CFRP Structures,

Results of a Comprehensive Test Program for Practical Use

1 Krober
Deutsche Airbus Gm“H
P.O. Box 107845
D-2800 Bremen 1, Germany

SUMMARY

Anexpenmental investigation was performed to establish the
influence of impacts on the medium-tough CFRP matena!
Ciba 6376/HTA. The results of this program enable a design-
er to dimenston CFRP components. The compressive stram
dunngimpact was determined as a function of impact and im-
pact energy Shght increases of this compressive strain above
acertain threshould resulted in catastrophic failure. Further-
more the influence of the thickness on residual strength and
visible damage thrushold is given It was found, that the allow-
able strain hmit not only depends on the impact energy but
also on the laminate lay-up, especially the proportion of
0°~phes Drop weight impacts show lower C-Scan damage
areas compared with air gun impacts However, the residual
strain 1s the same in both cases As opposed to coupons,
stringer stiffened panels result in a scale-up effect of 15%
concerming the allowable stramn iinmt However, this effect
might chunge ‘or different gcometries

1. INTRODUCTION

Fiber composite structures are being used to an increasing ex-
tent in modern aircraft The most important group of materi-
als used for this purpose being carbon fiber-reinforced epoxy
resins (CFRP) This paper deals only with this matenial group

In order to demonstrate adequate airworthiness, alt possible
loads and failure critena of a component have to be consid-
cred. Contrary to metals, an important load type for CFRP1s
the damage resulting from mechanical impacts Impacts can
occur 1n service (on the ground or in fught), during mainte-
nance and even n the production hine (shop floor impacts)
Whecreas, in the first case, the component may already be un-
derload dunng the smpact this does not apply in the latter two
cases.

The measure for the intensity of an impact is the energy of the
impactor Naturally, the shape and consistency of the impac-
tor also play a role since the damage caused by sharp hard ob-
jects will differ from that caused by round soft ones The latter
fact was not the object of the tests described here since, with
only seme exceptions, a steel ball with a diameter of 20 mm
was uscd as impactor for the tests

From a certain energy onwards, impacts cause a steep reduc-
tiominstrength of the CFRP laminate, more strongly so in the
case of compression than in the case of tension. Consequcnt-
ly, related tests are performed mainly with compressive loads,

as1n the case in question The same applies to stress risers re-
sulting from holes and  penings 1n structures, but to a lesser
degree /1-5/.

Important influence factors for the degradation of a compo-
nent as a result of impact are the matenal as such, the ratio of
mass to speed of the impactor, the laminate thickness and -
very important ~ the laminate lay-up.

All the test specimens described i this paper were manufac-
tured from unidirectional tapes of Ciba 6376/ HTA.

If not other mentioned the impacts were produced with an air
gun system. Ths system 15 a development of the test depart-
ment of Deutsche Airbus

2. INFLUENCE OF THE T JATERIAL

The toughness of the resin plays the most important role
where the matenal 1s concerned, although the type of fiber
and its diameter as well as the fiber-matnix adheston are also
significant Fig. 1 shows the residual strength after an impact
with the standardized Boeing Impact Test versus the fracture
toughness T' e impact tests were carnied out at the central
taboratory of MBB The test will not he described 1n detail
further here since the graph merely serves to classify the ma-
terials

w

a

= 300 o

B Y |_»

kst J

é /6/0 “.

z 200+ XM/

2

£ 4 A

H

2 1np

@ 0 medium tough

2 brittle tough

o

E

o

o 0 T T T Y T T T -1
100 200 300 400 500

Gie (J/m?)

Figure 1. Fracture toughness of matenals

Three matenal groups are ev lent, these can be referred to as
brittic, medium-tough and tough The first group includes
the already classic systems such as 913C/T300, FS50/T300 as
well as some newer matenals The medium-tough matenials
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are currently being used for newer projects at Deutsche Air-
bus since they offer the best compromuse between impact re-
sistance, the other important matenal charactenstics and, last
but not least, the price. Moreover, a pont to note 1s that tough
systems often reveal weakness under compressive loads 1n a
moist hot condition and/or an ntolerable reduction in the
softening temperature after moisture absorption

3. FAILURE THRESHOLD AS A FUNCTION OF PRE-
STRAIN AND ENERGY

A test senes were carmed out to find the pre-strain under
which a specimen fails abruptly as a result of animpact with a
givenenergy. Those tests were already done in 1978 for brittle
matenals /1/.

The specimens with the dimensions 250 x 110 x 525 mm
(length, width, thickness) consisted of 42 plies wath alaminate
lay-up of 28 6% 0° plies, 57%  45° phies and 14.3% 90° phics
(28 6/57/14.3) and a stacking of (+ 45,0,~45,90,-45,0, + 45)
The load was applied by means of a pressure on the upper
speamensurface. Alledges were simply supported dunng the
test..

The tests were carned out by trial and error for a constanten-
ergy level. The specimens under different compressive pre-
strains either withstood the tmpact or failed By repetition of
the senes for other energies, a “ime of catastrophic failure™
was obtarned for the pre-strain as a function of the impacten-
e

Fig 2shows the results of such a test series Itisevident thata
component can be subjected to a compressive strain of 0 3%
and 0 25% at an impact ¢nergy of 32 J and 50 J. respectively

£ 12
- A = did not fall on impact
§ | W = failad on impact
£ r\
5 0.84
e catastrophic falure
K N - threshold
@
2 o044
]
17
2 .
a
3
o 04—
0

impact energy (J)

Figure 2 Effect of energy and pre-strain on catasirophic
farlure

As expected, residual strength tests with the specimens which
had not failed mdicated fallure strains above the failure
threshold Ths therefore confirmed that components under
load are more strongly damaged by impacts than components
which are not under load In three cascs, the damage due to
an impact of less than 11J was so small that the rupture did
not occur 1n the damaged cross-section at the center of the
specimen but near the load application point (Fig. 3)

It1s remarkable that nune of the specimens which were intact
showed any visible damage on the front side, not even at 66 J
and preload.

1.24 A = did not fail on Impact

3 1 B =resid strain after impact
c '$
q 0.8
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3
»
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impact energy (J)

Figure 3 Residual strain after impact with pre-strain

After the impact, some of the specimens were fatigue tested
1 a compression-compression constant amplitude test (R =
10) with a maximum compression strain of 0 31% Despite
this very high load with compare to the failure curve, three
specimens reached 10° load cycles Their residual strength is
alsodistsnctly above the farlure threshold (except for the men-
tioned falure in the area of the load appiication 1n one case)
Only 10540 load cycles were reached at 50 J impact which is
hardly surprising since the maximum strain in the fatigue test
15 higher than that of the farlure threshold at this point of the
curve At 32 J, these two strams are dentical so that the re-
fated specimen reached 275634 load cycles This speaimen
had astran of 0 18% during the impact The greater damage
as a result of the pre-strain has had an effect here sirce the
specimen without pre-stramn reached 10° load cycles under
otherwise 1dentical conditions (Fig 4)

1 2+
A = did not fail on impact
* 1, 8@ =resid strain after cycling
c N = No of cycles
8 0.8 Alnzior
: catastrophic fallure
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Figure 4 Residual strain after inpact with pre-strain and
cycling

Thus test scries permats the following conclusions

In civil aircrafi design, the hmit load 1s defined to be this load,
that occurs with a probability of 10°%. The comcidence of it
load with a 50 J impact reduces this probability considerably.
Hence 1t 1s sufficient to combine a 50 J impact wath the so-
called “Get Home Loads”




4, INFLUENCE OF THICKNESS

It ts clear that the thickness has a decisive influence on the
sensttivity of a laminate tompacts Ina further test series, tne
thickness of the specimens was therefore systematically var-
1ed whilst retaining the same dimensions as in the foregoing
section.

Laminate lay-up (+45, 0, -45, 90, -45, 0, +45)n
wheren = 2,3,4,6
Fig 5 shows the residual strength as a function of the thick-

ness after subjecting the specimens to 32 J and 48 ' respec-
tively
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Figure 5 Influence of thi_kness on residual compressive
strength afler impact

The strength increases smivally and then reaches a constant
maximum value The que_uon of whether this would still ap-
ply toeven thicker specimens would have to be the subject of
1u1-her investigations

A point to note when assessing these results 1s that the residu-
al strength of the v.n specimens 1s above their buckling
stress However, buckling cannot be the cause of the failure
since 1t would then have to occur at the same stress level, irre-
spective of the intensity of the impact, which 1s not the case

5. VISIBLE DAMAGE THRESHGLD

1 he visible damage threshold 1s important for demonstration
of adequat. safcty.

Yet, damage visibility s imtially subjective, depending on the
point of view For example, English litcrature refers to visibic
and barely visible damage (VID, BVID), a definitton which s
not satisfactory In the tests described here, the following ob-
iective defimtion was therefore chosen for the visthility of a
damage on the front sidc.

wsible damage. fiber delamination and/or
fiber cracks wvisihle
dent diameter > 9 mm

fiber delamination andfor
fiber cracks visible
dent dameter > 15 mm

grcat damage:

L_-WAW
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Adentof 9 mm diameter produced in fully plastic matenal by
220 mm ball would cause adentdepthof 1 1 mm However,in
reality the dent depth is considerably lower There are two
possible explanations for this*

The matenial springs back elastically after the ball impact;
however, the surface discolorations produced on the larger di-
amcter due to micro-cracks remain,

or
the cracks propagate like a bow wave to @ diameter larger
than that of the dent.

Fig 6+hows an attempt to find the visible damage threshold,
giving the impact energy 3s a function of the specimen thick-
ness The lines drawn show the visible damage threshold for
the case i question with some scatter
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Figure 6 Visible damage threshold as functior: of energy and
thickness

However, an smportant fact to be borne 1n mina 1n connec-
tion with the general problem of visible damage thresholds s
that an object with edges and corners will produce dents at far
lower energies than the 20 mm ball constdered here Further-
more, the hardness of the impactor also plays a role. The ef-
fect of hailstone will differ from that of a stone or rubber part

6. INFLUENCE OF LAMINATE LAY-UP

From the theory of elasticity, it follows that the stress increase
due to holes or cracks depends 1n orthotropic matenals on
their elastic constants /6, 7/ The higher the modulus of ¢las-
tiaity in load direction compared 0 that transverse to 1t, the
higher 1s the stress intensity factor /8/

It is therefore all the more surprsing that tmis aspect has
hardly been given consideration in hiterzture and discussions
on the cxtent of allowable strains for CFRP components
which arc endangered by impacts

Toclarfy this situation, a test series was conducted with lami-
nates of the following lay-ups

x% P [ (0-x)% 45"/ 10% NP
where x = 10, 30. 50, 70

In addition to «hat the quasi-isutropic laminate 25/50,25 was
used for comparison as this 1s mostly referred 1010 the hitera-
wre
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The specimen dimensions were 250 x 110 x S mm

6.1 Impacts With Air Gun

Fig 7 confirms the above expectations very impressively. It
shows the normalized residual compressive strength versus
the impact energy. The theoretical strength of the laminates
1s taken as reference The test results of the undamaged refer-
ence specimens with 10, 25 and 30% 0°-phes show good
agreement with the theoretical values However, the test val
ues for the 0° domnant laminates 50/40/10 and 70/20/10 were
clearly below the theoretical values. This relates to the diffi-
culty of introducing the required tugh specific loads properly
into the laminate.

The reciprocal value of the curves shown tn Fig 71s the stress
mtensity factor This has to be considered for dimensioning
for CFRP compone ts which are endangered by mmpact

. Lamnate
@ =10/80/10
0 8+ ® =225/50/25
i A =30/60/10
+ =50/40:10
0 6+ ¢ =70/20/10
0.4

0 2- \
test \

fraction of compressive strength

impact energy (J)
Figure 7 Strength reduction due to impact

It is convenient to take the stran 2> a design critenon for
CFRPcomponents Fig 8 shows the strain reached versus the
0"-ply share of the lamuinates for the three different encrgies
used Itis evident that strains between 0 3% and 0 5% can be
used as a design limit at an ampact of 50 J. depending on the
0°-ply share of the laminates 1n question
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Figure 8 Residual compressive stramn after unpact

Now, the reader might object that the specimens here are very
narrow and that the behavior may be very differant in real
components However, the scale-up effect 1s not very big as
pomted out below.

Although the allowable strain decreases with increasing
0°-ply share, these laminates nevertheless bear higher loads
due to their higher stiffness (Fig 9)
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Figure 9 Residual compressive strength after impact

6.2 Damage Due To Open Hole

Although not directly related to the subject but very useful for
companson, Fig 10 and 11 - analogous to Fig. 7and 8 - show
reduced laminate damage as a result of unloaded open holes
compared with impacts The specimens with a centrat hole
had the same dimensions as the impact spccimens Naturally,
the dependence of the stress intensity factor on the laminate
lay-up was agamn confirmed

To obtain uniform conditions, the test results have been con-
verted to the infinite plate using the correction function in ac-
cordance with /9, 10/ However, this practically only affects
the 25 mm hole with 6%

tamnate

=10/80710
=25/50125
=30/60 /10
=50 /40 /10
=70/20/10

08

*+poR

0¢

test (corrected
10 infinite)

Fraction of strength infinite plate

least square 1t
V- r—T—r—r 11T T T T
[

§ 10 15 20 25 30 35 .0
Hole diameter (mm)

Figure 10 Strength reduction due 1o open hole
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Figure 11 Residual compressive strain due 10 open hole

6.3 Impacts With Drop Weight

One specimen cach per laminate type was subjected toanim-
pact of 321 and 48 J wath a drop weight. The specimens were
held 1n the same fixture, turned by 90°, as in the comparable
tests with the air gunsystem The impactor had a mass of 4 08
kg and a semi-sphencal tip of 20 mm diameter so that it corre-
sponded to the ball of identical diameter used in the other
tests Fig 12 documents that there is practically no verifiable
difference 1n the strength behawvior, irrespective of the impact
method used

EE £ ar gun (3299) |V=v|snbla|
c 3 drop weight (4 08 kg )
= 084
= v
@ v 32J(437m/s, 08m)
2 06 ?, 48I(S46mis 12m)
@
T an .
a
0.44 /
g Vo v
o
3 o2
2
@
@ .
[+ 4 0 , s Z.
10/80/10 30/60/10 70/20/10
25/50/25 50/40/10

Figure 12, Residual compressive stramn afier impact, compari-
son of drop weight with air gun impacts

The result was surprising since the drop weight-induced C-
Scan damage was smalicr Depending on the laminate, the
damage only rcached approx. 75 -92% at 32J and 55 - 62 % at
48 1 of the values reached with the air gun system

Tests conducted with large stringer stiffened pancls produced
the same result Converscly, this therefore means that the
damage sizc of a component does not necessanly permmt con-
clusions as to the residual strength Obwiously the intensity of
the damage and not the size of it 1s responsible for the rup-
ture

Nevertheless, further investigations will have to be conducted
nto this since 1h another related test serics not only smaller
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damage sizes but also higher loads were reached with the drop
weight compared to the air gun system

6.4 Stringer Stiffened Panels

The technology program {or a planned CFRP wing at
Deutsche Arbus also includes tests on stnnger stiffened pan-
els Although a description of the parts 1s not the subject of
this paper, an attempt will nonetheless be made to quantify
the mentioned scale-up effect between small specimens (cou-
pons) and a real structure

The panels consisted of a plane skin measuning 1500 x 650 x
425 mm and the laminates 29/58/12 and 50/40/10 Adhesive
film was used to bond five identical pre-fabncated T-string-
ers onto the skin overits entire length with a pitch of 140 mm.
The stnngers had a flange of 70 x 1.875 mm and a web of 52x
7 875 mm made from $2/38/10 laminate. The buckling length
was ltmited to 700 mm by two nbs which were attached by
bonding The nbs were milled out at the positions of the
stringer webs Supports at the nbs hold the panel against fat-
eral displacement

Fig 13 shows the known strain curves plotted versus the
0°-ply share for the 50 J impact and the 25 mm hole. The
graph also shows the strains reached in some of the panel
tests The values are related to the overall C G of the skin/
stringer ¢ross-section
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Figure 13.Residual compressive strain after impact, compari~
son of stiffened panels with coupons

The panel tests have again confirmed the dependence of the
achievable strain level on the 0°-ply share of the laminate.
However, this does not infer a reduction i the farlure load
since all panels showed a failure load of 1400 kN at 50 J im-
pact

“T'he strain curve of the coupons with 25 mm hole agrees sur-
prisingly well with the strains reached in the pancl tests, thus
providing a good mcans of comparson for consideration of
the cffect of a 50 J impact

Pancis with damage other than skin impact damage reached
higher strains and thus also higher failure loads. This m-
creased strain level was also observed at the pancls wath 50J
skin impact which. for rcasons of hghtning protcction, had
been provided with an aduition.: metailic mesh (extenior) and
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alayer of glass fabnc (intentor), each 0 1 mm thick. These lay-
ers of fabric seem to dampen the impact. thereby decreasing
the intensity of the damage.

The plotted vatues for the undamaged panels show thata 501
impact causes a strength reduction of approx. 23%.

An investigation of the scale-up effect between coupons and
stiffencd panels shows, that there 1s a 15% increase of residual
strain in favour of the pancls This1s a relative low value com-
pared with a ten times higher cross section of the panel

It was therefore demonstrated that tests with flat coupons are
well suited for investigations into the effects of impacts on
CFRP laminates

7. CONCLUSION

Depending on the encergy, impacts cause a reduction i the
strength of CFRP laminates The reduction 1s increased fur-
therif the laminates are subjected to a compressive load dur-
ng the impact

The energy of an impact required to produce visible damage
1s difficult to define n an objective manner. It s, however,
clearly dependent on the thickness

Open holes of the size common for nveted connections dam-
age the laminates less than impacts of the intensity to be dem-
ons*rated for certification

C-Scan measurements have shown that impacts produced
with high mass but low speed cause smaller damage than im-
pacts produced wath low mass but high specd However, this
did not lead to higher res{ual strengths in one test senes
Tests carnied out with stninger stiffened panels provuced the
same results This therefore indicates that the mtensity of a
damage does not depend on its size By contrast, in another
test senes with flat coupons, the strength after impacts with a
drop weight was igher than in the case of the air gun system

The most important conclusion to be drawn from these tests
15 that the allowable strain for the dimensioning of CFRP
components deper.ds not only on the impact encrgy but also
on the (°-ply share of the laminate

A companson between the results obtained with coupons and
with stnnger stiffened panels shows that the coupons arc well
suited for investigating the effects of impacts on CFRP lamu-
nates The determined scale-up cffectin favour of the panels
was approx 15% for the geometnes considered

Iithis effect 1s taken into account then a0 42% strain for com-
pressive loads can be used for CFRPstructures having 30% of
0°-plics. This value decreases linearly to 0 35% if there 1s 50%
of 0°-plies

This reuuction of the allowable strain wath the increasing
amount of 0°-plies does not necessanly imply hcavier compo-
nents since the weight depends on the product of strain and
modulus of clasticity. Laminates having a high proportion of
0°-phics are just as good as those wath a smaller awount of
such phics.

Nevertheless, the trend for design will be n favour of a panel
with damage-tolerant skin (small preportion of 0°-plies) and
suffer stnngers with maily 0°-phes because pnmanly the
skin 1s endangered by impact.
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MODE I INTERLAMINAR FRACTURE OF A CONTINUOUS ECR GLASS FIBRE-POLYAMIDE 12-COMPOSITE AS A
FUNCTION OF THERMAL TREATMENT
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G.C. Papanicolsou
K. Friedrich *
Mechanical Engincening Department, University of Patras
261 10 Patras, Greece
+ Institute for Compostic Matenals Lid.
Umiversity of Kaisenlautern
6750 Kaisenslautern, Germany

SUMMARY

The interlamunar fracture behavior of a composite made of con-
tinuous environmental corrosion resistant glass fibres (ECR-GF)
in Polyamide 12 (PA12) matrix has been investigated On special
interest was how different thermal cycles duning the production of
the laminates affect the semicrystalline nature of this thermoplastic
composite material, and thus the mode I - interlaminar fracture
toughness.

1 INTRODUCTION

Failure of composite matenals may often occur as aresult ot local
defects. Interlaminar separation or delamination is one of the most
important and hfe hmiting faiture mechanisms in composite struc-
tures. These kinds of defects may develop duning the manufactur-
ing process due to insufficient consolidation or non oplimum
curing cycles, or from the existance of foreign particles It may
also result from three dimensional interlaminar stresses, which
develop at free edges or discontinutties (Ref. 1)

In order to achieve higher values of interlaminar fracture tough-
ness the use of composite matenals with thermoplastic matnces s
possible (Ref. 2) On the other hand it 1s well recognized that the
microstructure, such as crystathinity and morphology, of semicry-
stalline thermoplastic composites highly depends on the process-
ng conditions employed during the manufactunng of lammates
Taking into account that large parts processing requires heavy
tools with high thermal inertia, the effects of cooling raic on
crystalhmity, morphology and mechanical propertics are of in-
creasing interest in rescarch (Ref, 3-5).

In order to study these effects with respect (o the relation between
interfaminar fracture oughness and thermal history, Enviromen-
tal Comrosion Resistant (ECR) Glass Fibres (GF) tn a Polyamide
12 (PA12) matrix system was sclected for the present investiga-
ton. Different morphologies in the matnx can be achieved by
controlling the thermal treatment duning the processing of the
laminates.

2 MATERIALS AND PREPARATIONS

The matenal used in this study was an ECR-GF/PA12 tape, 30mm
in width and 0.55mm 1n thickness, supplied by Baycomp Co,
Canada. Laminates were manufactured withinastecl mold and *he
usc of a heat press Prior 1o manufacturing it was found out by
using a DSC testing device, that the meltng temperature of the
tape material was about 175°C Each laminate contained six layers
of ECR GF/PAI12, and the final thickness of the plates was 3 4
mm. A thin steel foil, 30wn thick, coated with release agent, was
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Figure 1* Thermal cycles

tncluded 1n the middic of the laminate dunng the moulding
operation, in order 1o obtain a starter crack

Three different thermal cycles were adopied duning the manufac-
turing of the laminates, Fig 1. Matenial subjected to the first type
of treatment was heated within 15 min from room temperaturc
(R"l'g up 0 220°C, under 0 3MPa of pressure, and then held at
220°C under 1.6MPa of pressure for S min. For specimens made
under the second type of thermal cycle, heating ok place from
RT to 220°C wathtn 10 min under 0.3MPa of pressure, then for 10
min at 220°C under 1 1MPa of pressure, and at the end for S min
21 220°C under 1.6MPa of pressure Duning the third type of heat
treatment, specimens were heated first from RT to 220°C under
0 16MPa of pressure within S min, then hetd at 220°C under
1.6MPa of pressure for 1S min. After cach heat treatment spe-
cimens were cooled down from 220°C to RT with a wooling rate
of 4°C/min

After facturing of the | s, some of the specimens from
cach thermal cycle were annealed by heating from room tempera-
ture, RT, 10 150°C and held at this temperature for 5 hours. The
cooling rate in the annealing cycle was the same as in the manu-
facturing process, 1 ¢. 4°C/min.

3 MICROSCOPY AND CALORIMETRY

Sgccnmcm were cut by using of a diamont wheel in dimensions of
150mm long by 20mm wide By using of reficcied light micro-
scopy techmique, after polishing cross section of the specimens,
the fiber arrangement within the volume of the spccimens was
nvestigated

The interlamnar fracture surfaces of the tested specimens were
studied by using a Jeol scanning clectron microscope (JEM-5400
SEM) Al specimens were coated with a thin layer of gold in a
sputtening chamber.

q

Mcasurements of the degree of cry in the nal
laminates were performed with the technology of differential
scanning calonmetry A Du Pont DSC system, model 910, was
used for al! the cxperiments with a heating rate of 10°C/min The
weight of the samples, which were cut from the laminates plates
previously subjected to the different thermal and anncalmF cycles,
way about 10 milligrams The calculation of the degrec of crystal-
hinity, Xc, was made from the following equation

AH
Xem S W) m
where AHp1s the heat of fusion of fully crystalline PA12, taken as
210J/g, Wi1s the weight fraction of fibers 1n the sample (equal ‘o
0.64 for the present case) and AH 1s the heat of fusion of the
samples as determined for the differently heat treated laminate
plates The results of the degree of crystallinity for cach thermal
treatment of ECR-GF/PA12 are listed 1n Table L

4 INTERLAMINAR FRACTURE TESTS AND DATA RE-
DUCTION METHODS

The mast commonly used test for interlaminar fracture toughness
inmode 1, Fig 2, 1s the Double Cantilever Beam (DCB) test (Ref.
6). The specimens, after the different thermal treatments, were
loaded continuously at room temperature (22°C), with a crosshead
speed of Imm/min Crack length a, load P, and crack opening
displacement &, were measured every Smm duning crack propaga-
ton To avord errors due to large displacements the ratio of crack
opentng displacement to crack length, 8/a, was kept below 0 4;
thus the overestimation of Gy was kept less than 5% (Ref 7-8).

e
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Figure 2. Mode-1 DCB test specimen

In this pag: three different data reduction methods have been
used. The beam theory (BT), the comrected beam theory (CBT),
and the exper | compl hod
The simple beam theory expression for Gic of a perfectly built-in
DCB specimen is as follows :

Gic= Z—B; )

In practise the above expression underestimates the compliance as
the beam is not perfectly built-in. A means of correction for this
cffect is to treat the beam as containing 2 shightly longer crack
(a+4). A may be found expenimentally as the deviation from the
ongin, by ploting the cube root of the compliance C, where
C=3/P, as a function of crack length a. Gic 1s then given by:

3Ps
Gic = Blas ) @
An alternative approach is to plot the compliance C, versus crack
length a, on a log-log plot. The slope of this plot, n, can then be
used to give Gic as follows:

C=ma" (O]
from which follows*

nPd
Gic= 2Ba 5)

§ EXPERIMENTAL RESULTS

The experimental results from mode I mterlamenar fracture tests
arc listed below 1n Table 1. Each valuc 1s the average of three or
four test specimens. The tnstiation values of fracture toughness
Gicanim were taken when starting the test from the end of the foil.
Propagation valucs of toughness, Gicprop), are an average of data
taken from longer crack tengths and have been corrected for large
displacements wherever this was necessary

TABLEI
Thermal treatment of | Degree of |Imtiation | Propagation
ECRGF/PA12 crystallimty{  Gic Gic
X (%) {[um| [k1/md)

Prepreg tape 30 — -
First Thermal Cycle Not 35 0.39 1.86
Anncaled
First Thermal Cxclc 38 0.50 1.28
Anncaled Sh at 150°C
Second Thermal Cycle 34 017 1.51
Not_Anncaled
Sccond Thermal Cycle 37 0.40 L1t
Anncaled 5h at 150 °C
Third Thermal Cycle 37 0.29 2.12
Not A led
Third Thermal Cxclc 42 045 1.29
Anncaled Sh at 150 °C

6 RESULTS AND DISCUSSION

The DSC (hcrmograj)hs showed that the melting temperature Tm,
ins constant, independent of the processing history. However,

1n all cases, melting curves possessed a double endothermic peak,

less or more pronounced, which was attributed to variations of the

crystatline form and size.

It 1s clear from the results tabulated in Table 1 that, when the
crystallized samples undergo a further heat treatment such as
anncaling, a post-crystallization process occun and a hlfhﬂ' de-
gree of crystallinity 1s observed (Fig. 3). Experimental results
show that the fracture parameters are very sensitive to the different
thermal treatments. More precisesly Gicprop) decreases wath the
anncaling treatment while the opposite effect 1s observed with
Gicanmmy, (Fig. 4). In order to explain the above behavior it 1s
important tonote thatexcept from the degree of crystallimty, otber
important parameters can exist which affect the fracture process
as well, e.g. the size of crystallites created in the matnix matenal,
the spherulitic morphology and weak boundanes between the
spherulites. As the latter factors have not been characienzed so far
inthisstudy, adetaiked descniption about the effects of the dfferent

thermal on thesc par can not be presented at the
moment.
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Figure 3: Degree of crystallinity versus thermal treatment

s0
28
2

lkJGlﬁr’l ! |
10|
[

oo om vovoow
THERMAL TREATMENT

Figure 4: Gic versus thermal treatment

Nevertheless the combination of the above mentioned parameters,
which all depend on the processing history, 1s responsible for the
finally observed fracture behavior of the composite. Inour casc as
the degrece of crystallinity increases, an enhanced resistance to the
imtiation process of crack propagation is obsetved, duc 1o the high
strength of crystallites and hence a greater GieyNim 15 obtained
As the crack propagates, specimens with higher degree of crystal-
himity show a decrease 1n Gicprop)due to the enhanced britleness
of the crystallized matenial.

7 OBSERVATIONS DURING TESTING AND MICRO-
SCOPY INVESTIGATIONS

The non-anncaled specimens resulted 1n a quass stable crack
growth behavior with the occurance of a smooth stick-shp crack
growth A big amount of fibers bndged the crack tip up 10 20-30
mm and an extensive formation of crack banching and jumping




took place In the case of the annealed specimens, a small amount

of fibers bridged the crack tip up to only 10 mm behind it, also the

fc of crack branching and jumping was less pronounced,

while crack propagation was more stable than in the former case
18. 5).

Fiber Bridging Maln Crack
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From reflected light microscopy 1l was observed that the best
fiber/matnix arranﬁ:mcm 1n the volume of the laminate plates, was
achireved duning the third thermal cycle because the molten ma-
tenal was subjected to the lighest pressure level for a longer ime,
compared {0 the other two thermal cycles. The worst fibet/matnx
arrangement was observed in the second thermal cycle, with layers
of matnx nich areas, while after the first thermal cycle a non
untform fibers distnbution with the occurance of areas swath high
or low fibens arrangement was visible (Fig. 6)

Micrographs of the fracture surfaces are given i Fig 7 Crack
propagation direction, ts always from the lower left corner 1o the
upper night corner of the pictures. It ts obvious that bonding
between fibers and matnix was not >0 good for both anncaled and

TS

Fiber Brea..age Side Cracks Crack Jumping

Figure 5; Observed faillure mechanisms

Third thermal cycle

Figure 6. Polished cross sectons

no led specimens. In the case of annealed specimens a
higher brttleness of the matnx appeared on the fractured surfaces,
duc to the ligher degree of crystallinity.

Anncaled

Figure 7° Micrographs of fracture surfaces

8§ CONCLUSIONS

The effects of thermal treatment on the mode 1 interlaminar
fracturc toughness of ECR GF/PA12 were demonstrated The used
material  ay subjected to different thermal cycles by changing
pressure fevels and tme duration in cach step of pressure: Longer
tume under higher pressure results in ligher propagation values of
interlaminar fracture oughness, Gic@erop), duc to better consoli
dation and fibcr/mainx arrangement.

Subsequent annealing of specimens from all thermal cycles re-
sulied 1 an increase in the degree of crystalimty  This effect
caused higher vatues ot imtiaion interlaminar fracture toughness,
GicaNnimy. due to the higher strength of crystalline matnx, but
smaller values of propagation interlaminar {racture toughness,
becaused of the enhanced bnttleness of the post-crystallized ma-
tenial

In conlusion manuiactunng process and thermal treatment of
composites with a seniwrystaliine thermoplastic matnx such as
PAI12, play a very important role 1n their interlaminar fracture
toughness, therefore they are very itmportantifone wants toobtain
oplimum structurc- properties refationships
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RECORDER'S REPORT OF FINAL ROUND-TABLE DISCUSSION

Steven L. Donaldson, USAF Materials Directorate,
Wright-Patterson AFB, Chio USA

Christof Kindervater, German Acrospace Research Establishment,
DLR, Stuttgart, Germany

The final round-table discussion provided an open forum
where invited panel members gave their comments on
several topics related to the delamination and debonding of
composites. In addition, all audience participants were
solicited for their comments.

The following subjects were proposed by the session
chairman as topics for discussion:

SN D W -

. State of analysis of debonding and delamination
. State of detection

. State of repair methods

. Innovative designs to minimize debonding

. Environmental effects

. Suggestions for follow-up activities

. Other topics

The following is a brief summary of t'.e discussion:

1. Current State of Analysis of Debonding and
Delaminat

a.

The question still remains, are we selecting the
correct damage to model?

Models to predict damage geometry from design
requirements (e.g., impact cnergy) are becoming
morc available. However, this step 1s still mostly
empirical. We impact a part, cxamine the damage,
then model a simplification of that uamage in the
structure.

The laminate geometry and damage type modeled in
the literature are often unrealistic.

Can we model the damage correctly?

Methods (mostly finite clement modeling, FEM)
to model single delaminations are successful and
well developed.

Real parts may have many cracks which interact.
There are no generalized methods to account for
this at the structural level. What price do we pay
for simplification to a single crack?

Simple models (like strain to failure) are termbly
inadequate. They do not account for specific design

details which can strongly effect such things as
crack stability.

Different finite element codes can produce very
different results. Two well-used codes run on the
same model gave results which varied by 300%.

To what level of detail should we model the
damage?

Delamination analysis now seems successful, but
only for specific structural details (e.g., stiffencr to
skin attachment). Industry feels they don't have the
resources io go into this level of detail for the
entire structure. Each problem requires a new
model.

It was felt by some that FEM packages and
computing power are now becoming simple
enough to use and cheap enough that industry can
and must go into modeling at the detail level.

Other comments:

The scale-up of analytical models and coupon
results to full-size structures is still largely
unsuccessful. We will always ultimately have to
run large-scale tests. However, up-front analytical
design studies will help designers get control of the
many variables involved and lead to a more
optimized design.

In aircraft design, a factor of 1.5 is used for
ultimate, plus there is a B-basis factor (a factor
used to account for the statistical variation in
material strength), as well as a reserve factor. We
are utilizing typically less than 65% of the
ultimate strength of a composite. The effects of
delamination/debonding appear at 70-80% of
ultimate.  Therefore, it may appear that
delamination is not a problem in aircraft structures.
Anything that might be a problem would be
confirmed by tests. Scrvice experience has shown,
however, some dclaminations in actual flight
structures.

More work needs to be done to answer practical
problems, such as:



|
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« Blocking Plies

« Ply Drop-offs

« Free Edge Effects
* Bolted Joints

It is not clear how to account for delamination
growth. Due to the high growth exponents n, for
example, da/dN vs AG data, should we design to
threshold values of toughness?

Suggestions for follow-up acuvities:

A strong conscnsus was that a group should be
formed to study design criteria for damage
tolerance. The group would summarize currently
available analyucal methods and design criteria
used. They would ultimately make
recommendatons and propose standards for design.
The group may wish to use a round-robin
approach. We cannot attain, nor do we require
perfect criteria, but any guidelines in this direction
would be very useful to industry.

A discussion of failure criteria for composites is
necessaty. This wncludes those uscd for the basic
material, as well as bolted/bonded joints, cut-outs,
and other details

3-D failure cnteria must be established.

A discussion of scalcability 1s necessary. How
large do specimens need to be to get data realistic
for use in structural designs?

We need to discuss the real fligat scrvice experience
with composites. What arc the real problems
encountered thus far?

We need benchmarks so that analytical results can
be compared. The current UK cffort could serve as
a starung point for FEM compansons.

2 C S  Detection of Delaminati |
Debonding

a.

In general, most were impressed with the progress
made to detect delamnation and debonding.

Standards for "barely visible impact damage” do not
exist. BVID depends on material, lighting, dent
depth, paint, damage location (T-tail vs landing
gear door), etc. An arbitrary single-valued standard
is not appropriate.

Optical fibers for real-time damage detection (for
health monitoring systems) show much promise.

d. Some areas sull have needs:

Detection of matrix degradation
Detection of interphase degradation

Detection of contamination in adhesive joints
Detection of internal delaminations which are
shadowed by others

Improved NDT technigues for bonded joints
Detection of damage from a "stand-off” distance

3. Current State of Repair Methods

a.

b.

C.

Repatr methods for epoxy matrix composites seem
o be well in-hand. If damage can be detected, it
can most likely be repaired

Repair of thermoplastics may not be as easy as
first thought (the thinking was that to repair
delaminauons just re-heat and re-press), because in
actual structures we won't be able to support the
back surface. In addition, resin injected may not
bond to crack surfaces.

Suggestions for follow-up acuvities:

General discussion of optimal repair methods
including design for repairability.

4. Innovative Designs to Mimimize Debonding

a.

b.

C.

d.

Must consider during initial design phase.

Cannot use simple rules with these complex
materials. The challenge is to have sophisticated
analysis tools in quick, easy-to-use form for
designers,

Toughened resins arc now 1n common use,
Advanced 3D design concepts, such as weaving and

braiding, hold promise. Complex manufacturing
and high costs must be addressed.

5. Environmental Effects

a

b.

At what level should we run our tests to make
predictions about the effects of environment on
structural performance? Most of the data exists,
yet still needs to be synthesized correctly.

Composites are sceing more space applications.
UV, atomic oxygen, and vacuum exposure degrade
the material. The method currently used to avoid
this degradation is to apply protective coatings.
The long-term nced is for resistant matersals,
especially resin systems, which do not require
coatings.

Note that the discussion of follow-up activities (item 6)
has been included under the subject headings. Finally, no
"other topics” (item 7) were discussed.
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