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SUMMARY

An investigation was conducted to study the feasibility of cooling hypersonic vehicle
leading edge structures exposed to severe aerodynamic surface heat fluxes using a
combination of liquid metal heat pipes and surface mass transfer cooling techniques. A
generalized, transient, finite difference based hypersonic leading edge cooling model was
developed which incorporated these effects and was demonstrated on an assumed
aerospace plane-type wing leading edge section and on a SCRAMIET engine inlet leading
edge section.

The hypersonic leading edge cooling model of this study was developed using an
existing, experimentally verified finite difference based heat pipe model. The existing
heat pipe model was modified by adding transpiration and film cooling options as new
surface boundary conditions. The models used to predict the transient leading edge
surface heat transfer reduction effects due to the transpiration and film cooling were
generalized, empirically based models obtained from the literature. They, in turmn,
required further modification to better adapt to the specific needs of this study and for
use in conjunction with the existing finite difference leading edge heat pipe model.

Two applications of the hypersonic leading edge cooling model were examined.
First, an assumed aerospace plane-type wing leading edge section exposed to a severe

laminar, hypersonic aerodynamic surface heat flux was studied. In the model a one inch

xiii




nose diameter leading edge structure was cooled using a lithium fiiled heat pipe
supplemented by either surface transpiration, surface film, or internal active heat
exchanger cooling while executing a 2000 psf constant dynamic pressure hypersonic
ascent flight trajectory through the Earth’s atmosphere. Surface coolants used in the
study were gaseous air, helium and water vapor. The results of applying the cooling
model to the hypersonic wing leading edge case included transient structural temperature
distributions, transient aerodynamic heat inputs, and transient surface coolant
distributions. The results of this application indicated that these cooling techniques
limited the maximum leading edge surface temperatures and moderated the structural
temperature gradients.

A second application of the hypersonic leading edge cooling model was conducted
on an assumed one-half inch nose diameter SCRAMIJET engine inlet leading edge section
exposed to a transient laminar, hypersonic aerodynamic surface heat flux and Type IV
shock interference surface heating. In this model the leading edge structure was again
cooled using a lithium filled heat pipe but only supplemented by either air transpiration
or film cooling. Similar results reported for the wing leading edge case were reported
for this application. The results indicated that the combination of liquid metal heat pipe
cooling and surface transpiration or film cooling tended to mitigate the otherwise severe
maximum leading edge surface temperatures expected on a SCRAMIET engine inlet
structure exposed to a typical hypersonic flight environment and shock interference

effects.

Xiv




Thus, the results of this investigation led to the conclusion that cooling leading edge
structures exposed to a hypersonic environment using a combination of liquid metal heat
pipe and surface mass transfer cooling methods appears feasible and that further

study/experimental investigations are required to validate these predicted results.
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CHAPTER 1

INTRODUCTION

The need for developing a more economical access to space and increased
commercial global transportation demands has stimulated renewed international interest
in the development of a hypervelocity, airbreathing aerospace vehicle during recent
years. By providing short launch requirements and rapid turnaround times, these
vehicles could have the responsive, flexible operational characteristics approaching those
of today’s aircraft and could eventually replace the space shuttle. It is envisioned that
one version of this vehicle would be able operate in a low-Earth orbit, while another
version would remain in the Earth’s atmosphere transporting passengers or cargo to any
location in a fraction of the time required for current jet aircraft travel.

The embodiment of the hypervelocity vehicle concept in the United States is the joint
NASA/Department of Defense National Aerospace Plane (NASP) Program. This
program considers of interest both hypersonic cruise and accelerator type vehicles.
Unlike the space shuttle, these vehicles would takeoff and land on standard runways,

operate within an airbreathing corridor of the atmosphere and be powered by airbreathing




engines. A gas turbine jet-engine would provide the thrust for takeoff and acceleration
to supersonic velocities, RAMJETS would be used for acceleration to Mach 5 and
SCRAMIETS for acceleration to Mach 20 or above. Some of the vehicles would be
designed to ascend to an altitude of twenty or more miles above the Earth and cruise at
hypersonic speeds of Mach 6 to 12. Others would be designed to continue accelerating
through an airbreathing corridor to Mach 25 and, with minimal rocket power, transition
to a low-Earth orbit.

The space shuttle uses significant rocket power tc enter a low-Earth orbit in a
relatively short period of time. The airbreathing propulsion system for the aerospace
plane, though, will require long acceleration periods within the denser part of the Earth’s
atmosphere to reach cruise and orbital velocities. This long flight time coupled with the
need for a low aerodynamic drag configuration will result in severe aerodynamic heating
of the aerospace vehicle’s surfaces. At hypersonic velocities air has an enormous amount
of kinetic energy. As the air velocity is decreased by the viscous boundary layer action
at the vehicle’s surface, a large portion of the kinetic energy is converted into internal
energy which, in turn, significantly increases the boundary layer air temperature. The
greater the magnitude of the air velocity reduction, the more extreme this effect becomes.
Therefore, a major engineering consideration in the design of the aerospace vehicle is the
determination of the severity of the heat transfer from the heated boundary layer to the
surface and the management of this increased heating rate. Especially critical surface

locations are at the leading edges of the vehicle’s wings, engines, and fuselage.




Thus, at hypersonic flight speeds all leading edges must be blunt-nosed to some
extent in order to reduce the heat transfer rates to manageable proportions and to allow
for internal heat conduction. However, the proposed aerospace plane will ideally require
very sharp leading edge geometries in order to gain the desired propulsion system
performance and aerodynamic control. The result will be a marked increase in the
expected maximum surface heating rates compared to that experienced by previous
hypersonic vehicles. Table 1.1 lists examples of the maximum heat flux data for a wing
section of the space shuttle, which occurs upon re-entry, and for an expected wing
section of the aerospace plane. Note that the aerospace plane has a maximum wing heat
flux one to two orders of magnitude greater than the space shuttle. For the descent/re-
entry case this difference is primarily due to the aerospace plane’s reduced drag
configuration (sharper leading edge). For the ascent case, the sharp leading edge
combined with a longer acceleration time in the Earth’s atmosphere causes this case to
be one of the most critical for the aerospace plane’s thermo-structural design.

Also listed in Table 1.1 are the corresponding radiation equilibrium skin temperatures
assuming a surface emissivity of 0.85. These temperatures are well above the maximum
safety limits of available aero-structural skin materials. Thus, the aerospace vehicle
surface, at these intense heating locations, must somehow be protected. Several methods
of surface cooling and protection are possible for various geometries. For example,
thermal barrier coatings could be attached to outer skins, internal convective cooling

could be used as a structural heat sink by circulating the vehicle’s cryogenic fuel through




TABLE 1.1. Space Shuttle and NASP Wing Maximum Surface Heating Comparison

CASE

SHUTTLE RE-ENTRY

NASP DESCENT

NASP ASCENT

MAXIMUM HEAT FLUX

kW/m?)

4 x 10°

2 x 10°

1 x 10*

EQUILIBRIUM SKIN
TEMPERATURE (K]

I Il Mkt

1697

2538

3795




the hot structures, surface mass transfer cooling techniques (transpiration, film, or
ablation) could be considered, or liquid metal heat pipes could be placed in critical
regions. Each method provides its own strengths and weaknesses, but it now appears
that none are individually capable of providing the required surface protection for the

aerospace plane during an entire ascent flight mission.

Problem Statement

The design of the hypervelocity aerospace plane requires the solution of a significant
number of multi-disciplinary engineering problems. As mentioned, a major concemn is
the thermal management of the various exposed surface leading edges. This thesis
reports on an investigation that was conducted to study one possible method of reducing
the structural temperatures of a hypersonic vehicle leading edge.

To date no technique has been developed which adequately cools these leading edge
structures when exposed to the expected maximum aerodynamic surface heat fluxes. It
appears that combinations of techniques must be investigated in order to develop a
satisfactory cooling method. In the present work an analytical study was conducted to
determine the feasibility of cooling hypersonic aerospace plane leading edge structures
during periods of maximum aerodynamic heating using liquid metal heat pipes
supplemented by surface transpiration or film cooling. Although some work has been
done previously on heat pipe cooling of hypersonic leading edges, no definitive solution

for an aerospace plane-type leading edge has been reported nor has there been any




reference made towards incorporating surface mass transfer cooling with heat pipe
cooling as a possible technique. It is envisioned that the results of the present
investigation will add to the existing body of knowledge being gathered to determine an
optimal aerospace plane leading edge cooling concept.

The specific objectives of the study were:

1. To model the external surface transpiration cooling of an aerospace plane leading

edge in series with internal liquid metal heat pipe cooling.

2. To model the external surface film cooling of an aerospace plane leading edge in

series with internal liquid metal heat pipe cooling.

3. To evaluate the effectiveness of each cooling concept based upon maximum structural

surface temperatures and temperature gradients.

4. To investigate the effectiveness of various surface coolants.

5. To compare objectives 1 through 4 to the corresponding heat pipe alone cooled

leading edge and the heat pipe with an active internal heat exchanger only cooled leading

edge.




The procedures used to accomplish these objectives are presented in the following
chapters. Chapter II discusses the background of this cooling problem. A general
description of heat pipe and surface mass transfer cooling is given and a review of the
literature on how these techniques have been employed previously to cool hypersonic
surfaces is conducted. Chapter III discusses the general analytical models that were used
in the investigation to develop a hypersonic leading edge cooling model for studying the
leading edge cooling problem. An experimentally verified finite difference numerical
heat pipe model is reviewed along with an empirically determined transpiration cooling
relationship and a theoretically developed, experimentally checked film cooling relation.
These three heat transfer models are modified and combined in Chapter IV. The
resultant transient, numerically based hypersonic leading edge cooling model is then
applied to the case of cooling an aerospace plane wing leading edge structure exposed
to a severe laminar, acrodynamic surface heating environment. To do so certain vehicle
geometric and operational characteristics were developed and assumed. An aerodynamic
surface heating analysis and a hypersonic flow-field development, to include high
temperature air/real gas effects, were required. The results of applying the hypersonic
leading edge cooling model to the wing using three gaseous coolants are then presented
and discussed. A second application of the cooling model is undertaken in Chapter V.
A SCRAMIET engine inlet, exposed to both a severe aerodynamic and Type IV shock
interaction surface heating environment, is analyzed using the same techniques developed

in Chapter IV. Again, results are presented and discussed. Finally, a summary of the




investigation’s significant findings along with pertinent conclusions and recommendations
for future study are given in Chapter VI.

Before preceding, however, it must be noted that the underlying theme throughout
the conduct of this investigation was the desire to develop a tool for use in further
detailed engineering design calculations of hypersonic leading edge cooling. As such,
the cooling model developed in this study is intentionally general in order that it may be
applied to a variety of hypersonic vehicle leading edge systems, as will be demonstrated
in Chapters IV and V. In this investigation emphasis was placed on studying the
hypersonic leading edge structural response to severe aerodynamic surface heating effects
and on the feasibility of cooling these structures through heat pipe and surface mass
transfer techniques. No attempt was made to analyze, in great detail, the complicated
hypersonic and surface boundary layer flow-field with mass addition to develop
transpiration and film cooling models. Rather, empirically verified results reported in
the literature and considered applicable to the problem of interest to this investigation

were used.




CHAPTER 11

BACKGROUND

This chapter discusses the previous and on-going work of applying liquid metal heat
pipe cooling techniques to the problem of cooling a hypersonic aerospace plane leading
edge. A general description of the heat pipe operation is presented and the work on

using surface mass transfer cooling techniques to cool high speed surfaces is discussed.

1 iption an ion

A heat pipe is a passive, self-contained heat transfer device which has the capability
of transferring large heat fluxes nearly isothermally. The most common form of heat
pipe is that of a right circular cylinder geometry as shown in Figure 2.1. However many
other geometries are used in practice to suit a particular application, such as the shape
of a wing leading edge.

There are three primary components of a heat pipe: the outer shell, the wick or
capillary structure, and the working fluid. The outer shell is typically thin in order to

promote good conduction heat transfer, but must be structurally sound enough to
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FIGURE 2.1. Schematic of a Cylindrical Heat Pipe Showing Operational Characteristics
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withstand maximum operating temperatures and pressures. The wick is a fine
mesh/screen material. The open pores within the wick constitute the capillary structure
and are filled with the working fluid. Heat pipes have been developed using a variety
of working fluids. As shown in Table 2.1, these working fluids have ranged from
cryogenic liquids to liquid metals and have allowed the manufacture of a variety of heat
pipes that are functional over operating temperatures ranging from 5 K to 2000 K.

The heat pipe operates by vaporizing the working fluid at one end, the evaporator
section, and condensing it at the other end, the condenser section. Thus, by utilizing the
working fluid’s latent heat of vaporization and condensation heat is transferred through
the heat pipe nearly isothermally. The working fluid vapor flow is accomplished by the
pressure difference created by these phase change processes. The evaporated working
fluid in the evaporator section is replenished by fluid returned to it from the condenser
section through a capillary pumping action in the wick. This fluid flow mechanism
allows the heat pipe to be operated in a variety of orientations, in or out of a gravity
field, without the need of an auxiliary power source for fluid pumping and without any
moving parts.

The heat transport capability of a heat pipe may be limited by several effects [1].
At low temperatures viscous forces in the vapor flow are dominant. A condition may
arise, called the viscous limit, where the pressure drop in the vapor is equal to the total
vapor pressure in the heat pipe. The result is no vapor flow and, thus, no heat transfer.

Conversely, a sonic limit occurs when inertial forces in the vapor flow are dominant and

11




TABLE 2.1. Various Heat Pipe Working Fluids

Medium Melting Boiling point Useful range
point at atmos. press.
(°c) (°c) (°c)
Helium - 272 - 269 - 2711 - - 269
Nitrogen - 210 - 196 - 203 - -160
Ammonia - 78 -33 -60 - 100
Freon 11 - 111 24 -40 . 120
Pentane - 130 28 -20 - 120
Freon 113 -35 48 -10 . 100
Acetone - 95 57 0 .- 120
Methanol - 98 64 10 . 130
Ethanol - 112 78 0 - 130
Heptane - 90 98 0 - 150
Water 0 100 30 - 200
Toluene =95 110 50 - 200
Mercury -39 361 250 - - 650
Cesium 29 670 450 - 900
Potassium 62 774 500 - 1000
Sodium 98 892 600 - 1200
Lithium 179 1340 1000 - 1800

12




the vapor leaves the evaporator at a sonic speed. The vapor flow is “"choked" and the
maximum heat transfer rate is therefore limited. Both of these effects are typically
important during the heat pipe startup. When the relative velocity between the liquid
flow in the capillary structure and the vapor flow is large, the liquid-vapor interface may
become unstable and liquid may be entrained in the vapor stream. Heat transfer is thus
limited by this entrainment limit due to the loss of liquid from the capillary structure
which never reaches the evaporator section. A capillary limit may be reached when the
maximum capillary head is less than the total liquid and vapor pressure losses in the
capillary structure. Finally, a boiling limit may occur when vapor production in the
evaporator section impedes the return of liquid from the condenser section.

The heat pipe has been described and analyzed in numerous publications. The term
"heat pipe" first appeared in 1963 in a patent application by Grover [2]. Shortly
afterwards, researchers at the Los Alamos National Laboratory published the first
technical paper describing the basic heat pipe operation [3]. The general theory for
quantitatively predicting steady state heat pipe behavior was developed by Cotter [4].

Sun and Tien [5] conducted both theoretical and experimental studies of the
performance of steady state heat pipes. Their analyses were performed using a single
component conduction model with uniform vapor temperature and uniform injection into
the vapor region.

Chang and Colwell [6] conducted a study of the transient characteristics of low

temperature heat pipes numerically and experimentally. Their study assumed conduction

13




was the dominant mode of heat transfer through the heat pipe shell and wick, the thermal
resistance between the wick and the vapor region was negligible, and the vapor

temperature was only a function of time.

H ic Leading Edge Cooling Using Heat Pi

An initial consideration for using heat pipes as a means of cooling hypersonic vehicle
leading edges was done by Silverstein [7]. In his theoretical cooling concept a
continuous, isothermal heat pipe structure covered a vehicle wing leading edge, a portion
of the lower wing surface, and a portion of the upper wing surface. Aerodynamic
heating was absorbed at the leading edge and lower wing surface and transported through
the heat pipe structure to the upper wing surface. There the energy was dissipated by
means of radiation and convection. As a result of the parametric study, Silverstein
concluded that heat pipe cooling was a feasible technique for limiting maximum leading
edge temperatures of hypersonic vehicles.

Encouraged by this outcome, subsequent researchers conducted further analytical and
experimental studies to investigate the feasibility of cooling hypersonic vehicle stagnation
regions using heat pipes. Engineers from the McDonnell Douglas Astronautics Company
and the NASA Marshall Space Flight Center [8) compared and evaluated a heat pipe
cooled space shuttle wing leading edge against three alternate leading edge surface
cooling/protection candidates: a refurbishable ablative design, a reusable columbium

leading edge, and a reusable carbon-carbon leading edge. Each concept was shown to

14



be feasible. The ablative concept, however, was considered impractical because of its

excessive cost (over three times that of the other concepts) and its potential adverse
aerodynamic effects due to the changing wing leading edge geometry and surface
roughness resulting from the ablative process.

Camarda [9,10] investigated the performance of a heat pipe cooled leading edge both
experimentally and analytically. He conducted radiant heating tests and aerothermal load
tests on a sodium filled, Hastelloy X heat pipe cooled leading edge model. His
experimental results were in good agreement with previous analytical conclusions. His
tests provided the first experimentally verified indication that liquid metal heat pipe
cooling of hypersonic vehicle wing leading edges was feasible for lowering stagnation
temperatures sufficiently enough to allow the use of available and durable superalloys.

Colwell, et al., [11] studied in detail the internal dynamics of liquid metal heat pipe
operation. Particular emphasis was placed on examining the transient physical processes
involved during heat pipe startup from a frozen state. Their work resulted in a more
accurate mathematical model of transient heat pipe behavior under simulated space shuttle
wing leading edge conditions.

Jang {12] further demonstrated the effectiveness of heat pipes in reducing peak
temperatures in the vicinity of a space shuttle wing leading edge. His detailed work
continued to support the feasibility concept of heat pipe cooling of hypersonic vehicle
stagnation regions.

Colwell [13] has also demonstrated that heat pipe cooling alone was theoretically
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sufficient to maintain a wing leading edge surface temperature below a design value of
1500 K during a typical re-entry mission of a National Aerospace Plane-type vehicle.
However, he further indicated that for a typical ascent mission heat pipe cooling alone
was not sufficient. It appeared that for a 50 minute ascent mission using heat pipe
cooling, the maximum wing leading edge surface temperatures would exceed 1500 K for
approximately 25 minutes. Thus, his work identified the requirement for additional
cooling, along with heat pipe cooling, during this critical portion of an ascent mission
of a National Aerospace Plane-type hypersonic vehicle.

Hendrix [14] studied analytically the effects of body forces, including gravity, on
heat pipe performance in an aerospace plane-type wing leading edge. He found that
these forces may affect the boiling and entrainment heat transfer limits of the heat pipe.

Glass and Camarda [15] conducted a preliminary design study of a carbon-
carbon/refractory metal heat pipe aerospace plane wing leading edge. Their concept used
a carbon-carbon primary structure with refractory metal heat pipes. External wing
radiative cooling was supplemented by internal radiative cooling to a circulated hydrogen
coolant heat exchanger. They found that during ascent heat pipe cooling supplemented
with internal radiative cooling may be sufficient to produce a feasible design at peak heat
fluxes. During descent their results showed that no supplementary cooling was required.

Alternative liquid metal heat pipe hypersonic flight applications have been
investigated by Silverstein [16,17]. He has analyzed several heat pipe cooling concepts

for SCRAMIET combustor liners and the use of a heat pipe cooling system which
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employs a sensible heat sink.

Thus, the theme which underscores the reports in the literature is the consensus on
the feasible use of liquid metal heat pipes to aid in cooling hypersonic vehicle leading
edge regions. However, this concept is a relatively new application of heat pipe
technology and has never been successfully field tested. What have successfully been
tested under hypersonic flight conditions are the surface mass transfer cooling techniques:

ablation, film cooling, and transpiration cooling.

H ic Surface Mass Transfer Cooli

In the literature, the use of these surface cooling methods for missiles and reentry
vehicles is well documented [18-28]. As shown in Figure 2.2, ablation cooling refers
to the well controlled, uniform process of heat absorption and subsequent removal of
surface material utilizing the material’s thermal capacity for cooling [29]. Film cooling
refers to the injection of a "cool” fluid into a "hot" boundary layer in such a manner that
it forms a thin protective layer over the surface to be cooled. The fluid is injected at one
or more discrete locations on the surface through holes or slots. Transpiration cooling
refers to the injection of a coolant fluid through a porous surface into the hot boundary
layer. In both film and transpiration cooling the protective effect of the heat absorption
is augmented by the heat transfer blocking action of the coolant as it moves into the
boundary layer. In effect, the presence of the coolant on the surface reduces the

boundary layer velocity and temperature gradients at the hot surface thereby decreasing
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FIGURE 2.2. Various Mass Transfer Surface Cooling Techniques
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the heat transfer rate to the surface [22].

For utilization as a potential cooling candidate in hypersonic aerospace plane-type
vehicles, ablative cooling has lost favor over the other two surface mass transfer cooling
methods for the reasons cited previously. Although the ablative material refurbishment
problem is perhaps unavoidable, Camberos and Roberts [30] have recently proposed a
possible solution to the changing leading edge geometry problem associated with ablation
cooling. Their concept, involving a combination of radiation, ablation, and transpiration
cooling, was to place an ablating material behind a fixed-shape, porous outer shield.
During periods of excessive heating ablation occurs and the gaseous ablation products
transpire through the outer shield. Their simplified, one-dimensional analysis
corresponding to a typical glide re-entry trajectory indicated that ablative materials with
thermal properties similar to teflon met the criteria necessary for a successful application
of their method.

Other investigators have studied various aspects of the complicated and detailed heat
transfer and fluid flow phenomena associated with mass addition into hypersonic laminar
and turbulent boundary layers [31-73). Reported results have generally been based on
known isothermal or adiabatic surface conditions, on computationally intensive numerical
solutions of the boundary layer equations modified to account for surface mass addition
effects, and on generalized surface geometries (such as flat plates and cylinders).
Besides that of Camberos and Roberts [30], very little additional work has been reported

in the literature on using these cooling methods for the hypersonic aerospace plane
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leading edge application.

McConarty and Anthony [74] conducted an analytical study of active cooling systems
for wings of a Mach 6 cruise aircraft for NASA. The wing geometry analyzed closely
resembled that of the space shuttle. They examined external surface transpiration and
film cooling and internal surface spray and convective cooling. Their results indicated
that transpiration and convective cooling were feasible alternatives for cooling the wing
structure. Film cooling was not reliably evaluated due to insufficient hypersonic film
cooling theory available to them at the time.

Tavella and Roberts [75] conducted a preliminary numerical study of air transpiration
cooling applied to a NASA hypersonic all-body configuration flying at an altitude of
30,500 meters and a Mach number of 10.3. Their steady state analysis assumed that the
aerodynamic heating at a particular location on the aircraft skin was balanced by heat
radiated outward by the skin and heat convected away by the coolant. Heat conduction
into the skin was not considered. Their results indicated that the necessary coolant mass
flow rate required to maintain the skin radiation balance was approximately a local
function of surface location and the feasibility of the cooling concept depended on the
allowable skin temperature.

Consequently, to date there exists some information reported in the literature on the
feasibility of using liquid metal heat pipe cooling and very little information available on
using surface mass transfer cooling techniques to aid in protecting acrospace plane

leading edge surfaces from the severe hypersonic aerodynamic heating environment.
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Another alternative, in which there is presently no reported work, is to investigate the
surface cooling feasibility of a combined liquid metal heat pipe/surface mass transfer

cooling system.
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CHAPTER III

HYPERSONIC LEADING EDGE COOLING MODEL

The work that has been done on applying liquid metal heat pipe cooling techniques
to the problem of cooling hypersonic aerospace plane-type leading edges was discussed
in Chapter II. Very little has been reported in the literature on using surface mass
transfer cooling techniques for this problem and no work has been reported to date on
incorporating both transient heat pipe cooling with surface transpiration or film cooling.
This chapter discusses the general models that were used in the present study to develop
a transient hypersonic vehicle leading edge cooling model that incorporates liquid metal
heat pipe and surface mass transfer cooling. The complete description of the leading
edge cooling model with applications to a leading edge are the topics of Chapters IV and

V.

Numerical Heat Pipe Models

Figure 3.1 shows a schematic of a heat pipe cooled hypersonic leading edge with an

active internal heat exchanger. Aerodynamic heating would occur on the outer skin.
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Some of this energy would be conducted through the skin and into the working fluid
vapor interior of the heat pipe in the evaporator section and some would be directly
radiated away. Of the portion of energy conducted into the evaporator section, some
heat may be taken away by the active heat exchanger. The remainder would be
transferred through the heat pipe interior to the condensing region, conducted to the outer
skin surface, and radiated away. The portion of the heat pipe which acts as the
evaporator section would change as the aerodynamic heating and active heat exchanger
coolant flow are changed. In general, for situations of very intense heating, such as in
the case of aerospace plane leading edges, a significant active heat exchanger coolant
flow could be required to aid in maintaining surface skin temperatures below a maximum
acceptable level. Also under these conditions a large portion of the heat pipe capillary
structure could operate in an evaporative mode with working fluid condensation occurring
on the active heat exchanger surface. Working fluid return to the evaporator section
would then have to be accomplished through additional capillary action or by other
means. This could potentially complicate the leading edge design, the active internal heat
exchanger design, or the overall cooling system performance. Additionally, for most
vehicle flight conditions of interest heat fluxes and temperatures throughout the leading
edge structure will vary with time. This results in some transient thermal response by
the various masses within the structure.

Two numerical models have been developed for predicting transient aerodynamic

heating effects on a heat pipe cooled leading edge and have been used as a basis for the
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present work.
Finite Difference Model

A model which incorporated acrodynamic surface heating that varied with time and
chordwise position, radiation or convection heat exchange with the surroundings, an
active internal heat exchanger with a time varying heat load, and thermal properties that
are temperature dependent has been developed. The model was originally formulated to
simulate the transient operation of a rectangular heat pipe at low temperatures [6].
However, it has since been modified to predict the thermal performance of a leading edge
heat pipe [13,14].

The model was based upon several assumptions. First, it was assumed that heat
transfer through the heat pipe skin and capillary structure was by conduction only. This
appeared to be a reasonable assumption and allowed for the use of a transient conduction
equation to describe this effect.

Second, it was assumed there were negligible thermal resistances at the heat pipe
liquid/vapor interface in the evaporator and condenser sections and within the vapor
region itself. It has been shown experimentally that this assumption is reasonable for
normal operating conditions of a leading edge heat pipe [9]. However, this assumption
does not hold during startup conditions, that is, when the working fluid is being melted
and vaporized. Thus, it was further assumed that there were no startup effects, that is,
the working fluid was always operating in a continuum flow regime.

Fourth, spanwise temperature gradients along the leading edge were neglected. The
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heat transfer was considered two-dimensional: conduction through and along the heat
pipe shell and capillary structure. Since the entire vehicle leading edge would
conceptually contain multiple heat pipes adjacent to one another separated only by a thin
wing rib, this assumption seemed reasonable. Therefore, it was additionally assumed
that the spanwise boundaries of the interior heat pipes were adiabatic, wing tip end
effects were not considered, and the influence of the thin wing rib mass during transient
periods was assumed negligible.

Lastly, the temperature distribution of the leading edge was assumed to be symmetric
about the stagnation point. Thus, the stagnation line was considered adiabatic and heat
transfer for the heat pipe could be evaluated using either the upper or lower leading edge
surface. This assumption is actually only completely valid for symmetrically shaped
leading edges flying at a zero angle of attack. However, the error caused by this
assumption for non-symmetric leading edges and non-zero angle of attacks was not
considered significant since curvature effects do not greatly affect heat pipe heat transfer
performance [14]. Consequently, surface curvature was also neglected in this model.

Therefore, referring to Figure 3.2, the various heat pipe regions were mathematically

described as:

d(p,CiT))

S = VIV ()
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where T, = T,(x,y,t).
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where T, = T,(x,y,t) and properties were effective properties which accounted for

working fluid properties, capillary structure properties, porosity, and temperature.

Vapor Region
L fol Kz%lv d(%) = Qpx * %a(m”’gc;”"T") 3
where Ty = Ty(t).
Quter Surface
Quero = Quap * L fol X, aa—zllos d(%) =0 @
where,
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and emissivity and absorptivity of the wing outer surface were assumed to be equal.

Skin/Capillary Structure Interface

i s = o5 b Y

Based upon these governing equations, finite difference equations, logic schemes, and
computer programs have been developed which predict the thermal behavior of a heat
pipe cooled leading edge. This development was initially formulated based on a
cylindrical geometry by Priester [76]. The model was further developed by Chang [77]
and converted to a rectangular form by Hughes [78]. The numerical technique known
as the alternating-direction-implicit method was used to write the transient finite
difference equations. Details related to the formulation of these equations are discussed
by Hendrix [14].

Hendrix checked the performance of this model by comparing its calculated
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numerical results with transient experimental results of Camarda [9] for a fully started,
space shuttle-type leading edge. He showed that there was generally good agreement
between the calculated numerical and reported experimental resuits [14]. The predicted
surface and vapor temperatures were between 50 K and 60 K greater than the measured
values along the entire heat pipe length. However, it was felt that this temperature
difference was due to the neglect of natural convection and other heat losses in the
numerical calculations and the uncertainty of the surface emissivity used in the
experimental results.

As evidenced by the model assumptions, this finite difference heat pipe model did
not contain any expressions to describe the melting of the liquid metal working fluid in
the capillary structure or the flow dynamics in the vapor space. These considerations are
typically important during the initial phase of an ascent mission for the aerospace plane.
During this phase the heat pipe would be at ambient temperature with the working fluid
in a frozen state and free molecular flow in the vapor space. Thus, without adequate
expressions to model these phenomena the finite difference numerical model was only
considered reliable to predict fully started, transient and steady heat pipe behavior.
Finite Elemen 1

A finite element numerical model has also been developed to predict the transient
thermal performance of a liquid metal heat pipe [12]). This model was similar to the
finite difference model developed earlier except that it did account for the working fluid

melting phenomena during startup and the vapor dynamics associated with transition from
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free molecular to continuum flow. After heat pipe startup, it was shown that both this
model’s and the finite difference model’s numerical results compared well with each
other and experimental measurements [13,79]. However, as expected they differed
greatly at intermediate times during the heat pipe startup [80]. These differences
occurred due to working fluid melting, transition from free molecular to continuum flow,
and choking conditions which were only included in the finite element model.
Additionally, a small amount of difference was attributed to curvature effects which were

only included in the finite element model.

Surface Mass Transfer Cooling Models

As discussed earlier, numerous researchers have investigated the detailed heat
transfer and fluid flow phenomena associated with surface mass transfer cooling. The
result of these studies yielded an equally numerous amount of theoretically, empirically,
and numerically based expressions for describing these phenomena for a variety of
heating, flow, and surface conditions. The hypersonic aerospace plane heat pipe cooled
leading edge application studied in the present investigation, on the other hand, did not
precisely match the operating conditions assumed for the relationships previously
developed in the literature. Furthermore, the interest in the present study was on the
heat pipe cooled hypersonic leading edge structural response to aerodynamic
heating/surface mass transfer cooling effects, not on the detailed boundary layer or flow-

field response to coolant mass injection. Thus, due to this interest and the lack of
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applicable experimental results, it was desired to model the transient surface mass
transfer cooling effects in the present investigation with generalized expressions derived
from the literature that approximated well the more exact theoretical predictions and
experimental results from which they were based. It was envisioned, then, that the
resulting generalized cooling model would be of value for: 1) assessing the feasibility
of cooling hypersonic aircraft leading edges using liquid metal heat pipes with
supplementary surface mass transfer cooling and, 2) for subsequent, more detailed
engineering design calculations. This philosophy was used in identifying the following
transpiration and film cooling models to be used with the finite difference heat pipe
model to form the hypersonic leading edge cooling model.
Transpiration Cooling Model

Gross, et al., [60] developed generalized expressions for predicting skin friction and
heat transfer in the presence of transpiration cooling for laminar flow over a surface with
zero pressure gradient. This work was a result of an analysis initiated to present
correction factors which must be applied to solid-wall calculations (in the absence of
transpiration cooling) to account for the skin friction and heat transfer reduction effects
of mass addition into a laminar boundary layer. It was found that by normalizing the
experimental results of work done by previous investigators, the results correlated well
with a dimensionless mass transfer parameter. For heat transfer reduction the following

expression was developed:
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where Re, was based on boundary layer edge conditions,

* *
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and @'u" were evaluated at the Eckert [62] reference temperature, T", which can be

expressed, as suggested by Laganelli [37], by:

T" =T, + 0.72(T,-T,) . (10)

The correlating dimensionless mass transfer parameter was the term:

pwvw)(Rex)i/, . an .

J=(

Limitations of the laminar, flat plate, transpiration cooling correlation, Equation (8),
were two-fold. First, Gross, et al., [60] indicated that the correlation was generally valid
for the dimensionless mass transfer parameter, J, having an upper bound of 0.25 to 0.3,

or:
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and Equation (9) was substituted into (11) and simplified.
The second limitation resulted from the velocity boundary layer thickening due to
mass addition. Excessive transpiration could lead to destabilization of the laminar

boundary layer. For air injection it was reported that this can occur when:

K = I(Re)* > 0.619 (14

while lighter gases tended to be more destabilizing [60].

Also addressed by Gross, et al., [60] was the effect of pressure gradient on laminar
mass transfer cooling. The greatest heat transfer reduction occurred for the zero pressure
gradient condition (flat plate flow) and the least reduction for plane stagnation flow.
However, for values of the dimensionless mass transfer parameter, J, less than 0.1 the

difference in heat transfer reduction between the flat plate condition and plane stagnation
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flow condition was small.
Film Cooling Model

As discussed in the previous section, the desire in the present study was to represent
the transpiration and film cooling effects in terms of a heat transfer reduction correlation.
Unfortunately, in the literature almost all reported work in film cooling presented results
in terms of a film cooling effectiveness parameter rather than a surface heat transfer
reduction due to film cooling. The effectiveness parameter, although defined in various
ways by different researchers, was generally expressed as a ratio of temperature

differences in the form of:

T . -T
€aim = _wfilm e (15)
Tw,o—T“

Presenting film cooling results in terms of an effectiveness parameter was primarily
derived from turbulent film theory and experimental verification. This was due to the
inherent difficulty of maintaining a laminar film over a surface in an experimental setup.
However, for the present application it was expected that a laminar boundary layer would
cover most of the hypersonic surface’s leading edge and it was desired to have a film
cooling heat transfer reduction correlation for laminar flow, similar in form to Equations
(4) and (8).

Redeker and Miller [23] have shown a good correlation between experimental and

theoretical studies of laminar film cooling using a one inch nose radius hemi-cylinder
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slab, approximating a full scale wing, in Mach 16 flow. Their theoretical film cooling
development was based on a discrete layer flow model presented by Hatch and Papell
[72). Using a basic principles/control volume approach at the surface stagnation point,
Redeker and Miller developed the following relationship for the heat transfer reduction

due to laminar film cooling an isothermal, non-adiabatic surface:

Dsin . _A_(1-¢B) (16)
q, 1+4
where,
A = (MCOOL)%(CPCOOL) an
M, CPur
and,
B= 20 [ 4
m o ¢ (18)
(TCP)COOL

Next, they then conducted a number of experiments designed to measure the heat
transfer reduction due to laminar film cooling on the hemi-cylinder slab in Mach 16 flow.

Coolants used were gaseous nitrogen and helium at several mass flowrates. Both surface
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tangential to and normal to the stagnation line coolant injection methods were
investigated.

Their results indicated that substantial reductions in aerodynamic surface heating
could be obtained by film cooling. The tangential injection was shown to be more
effective than normal injection. Additionally, they found a very good correlation existed
between the experimental results and the predicted analytical results from Equation (16).
To have this correlation, however, required knowledge of the functional relationship
between the heat transfer coefficient, h,, and surface distance, x. This heat transfer
coefficient, based upon the temperature difference between the boundary layer air and
the injected coolant film, was determined experimentally in their study.

For the application of interest in the present investigation this relationship was
unknown. Additionally, the relationship between the boundary layer air-to-surface heat
transfer coefficient and surface distance (the no coolant injection case) was unknown,
along with the chordwise leading edge surface temperature distribution. These conditions
all being due to the lack of available experimental data.

Consequently, it was felt that although Equations (8) and (16) provided the most
reasonable, experimentally correlated, generalized heat transfer reduction relations
available in the literature for laminar transpiration and film cooling, they needed further
modification to be applicable to the hypersonic leading edge cooling problem of the
present work. Chapters IV and V detail how these generalized transpiration and film

cooling models were adapted and combined with the liquid metal heat pipe model to
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develop a leading edge cooling model for hypersonic flow applications.
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CHAPTER IV

COOLING MODEL APPLICATION : WING LEADING EDGE

The generalized models selected from the literature and considered for use in the
present investigation of developing and analyzing a hypersonic leading edge cooling
model which incorporates liquid metal heat pipe, transpiration, and film cooling were
discussed in Chapter III. However, the transpiration and film cooling models reported
in the literature were not directly applicable to the problem of interest in this study.
Further modifications, assumptions and analysis were required in order to attain the goal
of developing a workable leading edge cooling model and analyzing its application to
hypersonic aerospace plane vehicle leading edges. This chapter details the procedure

used to accomplish this goal.

In order to completely formulate the leading edge cooling model some information
on typical hypersonic leading edge operating conditions had to be assumed. Knowledge

of these conditions allowed the determination of: the aerodynamic surface heating rate
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distributions, a hypersonic flow-field analysis, the required thermodynamic and flow-field
properties and the applicable modifications to the generalized transpiration and film
cooling models.

Referring to Figure 3.1, it was initially assumed that the hypersonic leading edge of
interest represented a.1 aerospace plane wing section having a nose radius of 0.031 meter
( 0.5 inch), a sweep angle of 70 degrees, a wedge half-angle, 6, of 7 degrees, and a
leading edge length of 0.4029 meter (16 inches). A lithium filled heat pipe spanned the
entire leading edge length. The 0.0005 meter thick heat pipe shell was made of a
columbium alloy and the molybdenum wick was 0.00076 meter thick. Its thermal
properties are described by Hendrix [14] and Morrison [80]. The aircraft executed an
approximately constant 2000 psf dynamic pressure ascent mission, following the flight
trajectory shown in Figures 4.1 and 4.2, and thus remaining in a continuum flow regime.

The flow-field in the vicinity of the acrospace plane wing was modeled by assuming
the presence of a detached bow shock upstream of the wing. Flow through the shock,
in the vicinity of the leading edge, was modeled as flow through a normal shock. The
air flow after the shock front was assumed to be in local thermo-chemical equilibrium.
That is, the air flow was treated as a high temperature, chemically reacting, inviscid
(except in the boundary layer), equilibrium flow. The air properties at the edge of the
leading edge boundary layer were assumed to be equal to those immediately after the
shock front. As a result of the large air density increase and velocity decrease typical

of flow across a normal shock, the boundary layer flow over the entire 0.4029 meter
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FIGURE 4.1. A Typical Hypersonic Vehicle Ascent Flight Trajectory
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leading edge was assumed to be laminar. Lastly, it was assumed there were neither
shock-boundary layer interactions nor shock-shock interference effects present in the
vicinity of the wing leading edge. This last assumption will be relaxed in the next

chapter when SCRAMIET engine inlet leading edge cooling is discussed.

Recall, the finite difference heat pipe model discussed in Chapter III was developed
from an energy balance consideration. In order to additionally incorporate the effects of
surface cooling due to transpiration and film cool ng, it was advantageous to express the
transpiration and film cooling relationships in terms of energy reduction' parameters.
This requirement is expressed by the form of Equations (8) and (16). Furthermore, the
transpiration relationship, Equation (8), was based on a correlation of laminar, flat plate
experimental data, while the film cooling expression, Equation (16), required additional
information about the heat transfer coefficient, h,. Both equations, therefore, needed
further modifications and assumptions made in order to be applicable to the present
leading edge study.

ion lin

Equation (8) was developed to represent the general heat transfer reduction to a flat
plate surface as a result of coolant transpiration into a laminar boundary layer. It was
initially felt, for the purpose of the present investigation, that the air flow over the

leading edge would be best represented as being somewhere between flat plate and plane
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stagnation flow. However, Gross, et al., [60] demonstrated that the difference between
the flat plate and plane stagnation flow heat transfer reduction was small for low values
(less than 0.1) of the dimensionless mass transfer parameter, J, in Equation (11).
Therefore, based on that result, on the assumed geometric shape of the wing leading edge
(sharp nose radius versus leading edge length, small wedge angle), and on the negligible
effect curvature has on heat pipe performance, the leading edge surface in the present
study was modeled as a flat plate for transpiration cooling while ensuring that values of
J, near the stagnation point, remained less than 0.1.

Equation (8) may also be expressed in terms of a dimensionless length parameter,
x/L, where L equals the applicable leading edge length, using Equations (9), (13) and the

definition of Re, as:

M u
RO _ f - 116 2B T p, (—)* (D)% a9
dsp cooL (pp) L
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In order to evaluate Equation (18) for use in the film cooling reduction expression,
Equation (16), additional information was required on the functional relationship between
h, and x. Since this data is only available experimentally, it was first assumed in this
study that the boundary layer-to-coolant film heat transfer coefficient, h,, was equal to
the boundary layer-to-leading edge surface heat transfer coefficient, h, as suggested by

Swenson [61]. Second, it was assumed that the Reynolds analogy for flow over a flat
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plate was valid for this application, that is:

St Pr* = %’ : @0

Although developed from an incompressible flat plate flow analysis, it has been shown
that the Reynolds analogy relating fluid friction and heat transfer gives reasonable
approximations at hypersonic speeds and that this trend also holds for hypersonic
boundary layers over general aecrodynamic shapes [81].

Therefore, from the definition of the Stanton number and the above assumptions, h,

can be expressed as:

h, = h = St(p Cpu), 1)

where all air properties are evaluated at the boundary layer edge. Employing the analogy

yields:

h = 332Re ™ Pr™(pCpu), . @2)

Integration of Equation (22) results in:
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fox hdx = .664 Pr™ Cp (ppux)*. 23)

Further, to better approximate a compressible flow condition by an effective
incompressible one, Equation (23) can be modified, as suggested by Laganelli [37], by

using:

h* =) n 24)

where ()° air properties are evaluated using the reference temperature, Equation (10).

Incorporating this modification into the integration of Equation (22) yields:
* = % % Y% %
j; h*dx = .664 Pr*=" Cp, (pp)*" u, x (25)

where the variation of Pr with Pr® was considered small.

Using Equation (25), Equation (18) can be rewritten as:

C
B =168 LA Py (pp)ynx* 26)
Weoor “Pcoor

for Pr' = 0.71 and:
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To check the validity of using Equations (16), (17), and (26) for the film cooling
model of this work, their numerically predicted heat transfer reduction results were
compared with the corresponding experimentally determined results reported by Redeker
and Miller [23] for nitrogen at various x locations along their test surface and values of
coolant mass flowrate per unit span length. The result of this comparison is shown in
Table 4.1. It appears that the approximations discussed above slightly overpredict the
experimental results at higher values of coolant mass flowrate per unit span length and
underpredict them at lower values. At the lower values of coolant mass flowrate per unit
span length, the approximations appear to predict a relatively constant heat transfer
reduction with distance. This is not entirely consistent with film cooling theory [72], but
tends to follow the same trend as the reported experimental data. Since the predicted
values of heat transfer reduction are based on Equation (16), the reduction should,
theoretically, decline somewhat exponentially because of the (1 - ¢®) term. As seen in
Equation (26), the parameter B is proportional to x* and inversely proportional to coolant
mass flowrate per unit span length, Weor. It appears, then, in the case of very low
coolant mass flowrates per unit span length the parameter B becomes excessively large,
the (1 - ¢®) term approaches 1, and the heat transfer reduction is governed by the term

A/(14+A). Thus, this approximation seems to work best at higher values of ‘;lcoou
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TABLE 4.1. A Comparison of the Experimental Results of Redeker and Miller [23] to

the Numerical Results of Equation (16)

xm] | Weoor=0.66 | Weoor=0.26 | Wooor=0.03 | Wooor=0.02

REF EQN |REF EQN |REF EQN |REF EQN

23] (16) 23] (16) 231 (16 23] (16
001 |0.15 o0.21 02 030 04 034 0.55 0.34
002 |02 0.24 0.3 0.32 0.5 0.34 0.6 034
006 |02 0.30 0.3 0.34 0.5 0.34 0.5 0.34
0.18 |02 0.33 0.4 034 0.5 034 0.6 034
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Additionally, Redeker and Miller [23] reported no boundary layer transition to turbulence
due to the coolant film injection at the flowrates used in their work. Therefore, to ensure
good numerical approximations and a stable laminar boundary layer a value of coolant
mass flowrate per unit span length greater than 0.1 and less than 0.3 was considered
adequate for the present study.

As was done in the transpiration cooling case, for film cooling Equation (26) may

be further expressed in terms of x/L by:

(1+4) Cp,

Weoor “PcooL

B = 1.07

) (u,(p p)")* ({)‘b : 28)

Aerod ic Heating Analysi

Equations (16), (17) and (28) for film cooling and Equation (19) for transpiration
cooling express these surface cooling effects in terms of dimensionless heat transfer
reductions heavily dependent upon the air properties at the boundary layer edge. Figures
4.1 and 4.2 imply that the hypersonic vehicle of interest to this study is exposed to a
transient flight condition. Therefore, to incorporate these cooling models with the heat
pipe leading edge cooling model, information about the transient hypersonic flow-field
in the vicinity of the leading edge was required. This section discusses the aerodynamic
heating analysis developed for the present study. The next section details the procedure
used to determine the appropriate air properties.
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Several investigators have examined the problem of aerodynamic heating of surfaces
in hypersonic flow [54,55,59,62,66,82-96]. Based on the earlier theoretical work of
others, Lees [54] conducted a classical analysis of laminar heat transfer over blunt-nosed
bodies at hypersonic speeds. He developed relationships for surface heat transfer rate
distributions for an isothermal hemispherical nose and a blunt cone. These relationships
expressed the ratio of the local surface heat transfer rate to the maximum surface heat
transfer rate at the stagnation point as a function of surface location. Applying these
results to the particular hypersonic leading edge of the present study, allowed for the
determination of the chordwise direction surface aerodynamic heat flux distribution
shown in Figure 4.3. This distribution permitted the determination of the aerodynamic
surface heating on the leading edge for the case o no coolant injection, q,, in the heat
transfer reduction equations developed earlier for transpiration and film cooling.
However, in order to determine the aerodynamic heat input at a particular location along
the leading edge surface, data also had to be developed on the transient nature of the
stagnation point heat transfer rate.

Fay and Riddell [55] conducted a theoretical analysis of stagnation point heat transfer
for high speed flight. Their results provided numerical solutions to the stagnation point
boundary layer equations for both the thermo-chemical equilibrium and non-equilibrium
cases. For the equilibrium case assumed in the present study, they determined that the
stagnation point heat transfer rate was a strong function of: 1) the air flow properties

(density, viscosity, enthalpy) at the boundary layer edge and at the surface stagnation

50




o]

0.8
0.7
0.6 -

0.5

Q/QSTAG

0.4 -

0.3

0.2 4

1] \L_

FIGURE 4.3. Aerodynamic Surface Heat Flux Distribution, Chordwise Direction

51




point, and 2) the boundary layer edge velocity gradient, in the flow direction, at the
stagnation point. The difficulty of using this result in the present study included: the
a priori determination of the stagnation point property values at the leading edge surface,
the determination of the stagnation point velocity gradient, and the need to represent the
aerodynamic heating as a function of time as well as location.

These blunt-body results can be used immediately for the heat transfer analysis of the
nose of the aerospace plane. However, the high local heating occurring along the wing
leading edge also depends upon the wing planform shape, the sweep angle, the leading
edge nose radius, and the trajectory dynamic pressure. A relationship approximating the
transient aerodynamic heating of a hypersonic leading edge, including these effects, has
been deveioped and experimentally verified from space shuttle data by Tauber, et al.,
[94]. Based upon a swept-cylinder theory, their relationship applies in the flight regime
where boundary layer theory is valid and appeared to yield good approximations for both
laminar and turbulent boundary layer flow conditions in the absence of mass addition.
The expression developed for the transient aerodynamic heating rate of a swept

hypersonic leading edge, q,pro, Was:

Quero = [0-5(ggp)* cos? A + (gpp)* sin® AT 29)

where qgp represented the unswept stagnation point heat flux, qg; represented the heat

flux along the flat plate portion of an unswept leading edge, and A represented the
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leading edge sweep angle.

To determine the transient aerodynamic heating at the stagnation point for the swept
leading edge of the present study, qgp 0f Equation (29) was set equal to zero. Tauber,
et al., [94] showed that for the hypersonic ascent of an unswept leading edge, qs, could

be approximated well by:

g, = L83(10%) (20)4(r) ™ (1- 2y 12 a0
hSP

where g was in [W/m?], ® was the dynamic pressure in [Pa], r, was the leading edge
nose radius in [m], and V was the free-stream flight velocity in [m/sec]. Substituting
Equation (30) into Equation (29) and setting gz, equal to O allowed for the determination
of the transient stagnation heat flux, QSTAG, profile for the swept leading edge of the
present study. For the assumed flight conditions, the enthalpy term (1-h,/hg) in
Equation (30) was on the order of one and the air flow behaved as a continuum. Figure

4.4 shows the resultant transient aecrodynamic stagnation heat flux used in this work.

Hi m ir Analysi
As discussed earlier, the transpiration and film cooling models used in this
investigation required information on the surrounding leading edge hypersonic flow-field.
This section will present the assumptions and analysis used to determine the high
temperature, inviscid, equilibrium air flow properties, in the vicinity of the leading edge,
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that were required for use in the surface couiing models and the aerodynamic heating
relationships.

For the purpose of this study, it was assumed that the leading edge shock was strong
enough, hence the air temperature after the shock was high enough, that vibrational
excitation and chemical reactions occurred behind the shock front. As stated earlier, it
was assumed that local thermodynamic and chemical equilibrium conditions held behind
the shock. These assumptions were deemed necessary in this study due to the importance
of high temperature air effects associated with hypersonic atmospheric flight. For lower
speed flow it is generally an acceptable practice to treat air as an ideal gas, assume its
specific heats are constant, its specific heat ratio equals 1.4 and that there are no
vibrational excitation or chemical reaction concerns. However, it has been shown that
this assumption considerably overpredicts the actual air temperature for Mach number
flows greater than approximately 8 [96,98,99]. In an ideal gas assumption, the kinetic
- rergy of the air flow ahead of the shock is primarily converted to translational and
rotational energy behind the shock. On the other hand, by treating the air as a perfect
gas (where Cp=Cp(T)) and/or a chemically reacting gas, the kinetic energy of the flow
is also converted to additional molecular energy modes and/or the products of the
chemical reactions behind the shock front. Thus, under these assumptions, the
temperature of the air, which is essentially a measure of its translational energy only, is
less and more closely predicts the actual temperature. Another effect of the high

temperatures, which may cause a slight error in calculations, is the reduction in
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magnitude of the specific heat ratio, y. For air this ratio of Cp/Cv decreases from 1.4,
at lower temperatures, to between 1.1 and 1.2 at higher temperatures associated with
hypersonic flow [54].

The governing equations describing high temperature, inviscid, equilibrium flow are
well established in the literature. Closed-form solutions to these equations, however,
have not been obtained [81]. Thus, solutions to these flow problems have generally
required extensive numerical computations and tabulation [88-90,97-99]. As an example,
Huber [88] has given detailed results for equilibrium normal shock properties of high
temperature air as a function of free-stream velocity and altitude. For this study, the
results reported by Huber and Figures 4.1 and 4.2 were used to determine the air
temperature and density after the wing leading edge shock front for the vehicle ascent
mission. These properties were assumed to equal the air temperature and density at the
edge of the leading edge surface boundary layer. Boundary layer edge velocity was

determined from a continuity consideration by:

u, = . (31

Also at the boundary layer edge, viscosity effects became important. The kinematic
viscosity at this location was determined using the power law relation suggested by

Liepmann and Roshko [101]:
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)® (32)

where w=0.76 for air.

Finite Difference Computer Model

Having developed the appropriate expressions for laminar hypersonic leading edge
surface transpiration and film cooling, determined the applicable thermodynamic and flow
properties, and analyzed the transient, surface chordwise direction aecrodynamic heat flux
distribution, a finite difference based computational technique was formulated to provide
the numerical development of the present study. As discussed in Chapter I, a finite
difference computer model has been previously developed and verified with experimental
data which predicts the transient surface and internal vapor temperatures of a liquid metal
heat pipe cooled hypersonic leading edge. For the present study, this model required
modification to allow for the additional effects of surface transpiration or film cooling.

The heat transfer reduction effects due to transpiration, Equation (19), and film
cooling, Equations (16), (17), and (28), were incorporated as new boundary conditions
into the computer model at a point where the aerodynamic surface heating calculations
occur, Equation (5). Since the aerodynamic heat flux considered in this investigation was
a function of both time and distance, data files to be read into the computer code were

created listing the transient stagnation point heat flux values and the normalized,
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chordwise surface heat flux distributions of Figures 4.3 and 4.4.

Again since q,ppo/qsp varied with time and surface distance, the transpiration and
film cooling expressions needed to vary similarly and data files were developed
containing the transient values for the thermodynamic and flow properties indicated in
those expressions. These properties were determined using the analysis discussed in the
previous section. However, an assumed transient distribution for the dimensionless
parameter, I, in Equation (19) had to be developed for three reasons. First, by
examining Equation (13) the coolant mass flux into the boundary layer term, (o,v,), had
to be accounted for. Second, recall that Equation (12) represented a limitation to the
applicability of the transpiration cooling model. Equation (12) indicates that the
parameter, I, must not only be a function of time (since the air properties are transient)
but must also be a function of surface distance, x. This seems reasonable since in an
application of this cooling concept it would be appropriate to inject the surface coolant
during the mission times when surface heating was most severe and to inject the most
coolant at the surface locations nearest the stagnation region. Therefore, the transpiration
coolant surface distribution used in this study was selected to match that used for the
aerodynamic surface heating distribution. Third, the parameter, K, in expression (14)
had to be less than 0.619 to ensure the laminar boundary layer remained stable during
the coolant transpiration. Using these factors, the transpiration coolant transient
distribution was determined and is shown in Figure 4.5. This data was also placed in

a file for use by the computer model. Table 4.2 shows how the
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TABLE 4.2. Values of the Nondimensional Parameters I, J, K and Re, for Various

Times and Surface Locations
Time{s} L 1 I K Be,
0w o e o o
.001 00995 .10 98
0125 .0087 304 1219
1.0 .0005 156 9.SE+4
1430 .0001 @ 049 049 6
.001 0199 155 61
0125 017 48 762
1.0 .001 247 6.10E+4
1780 .0001 @ 046 046 5
.001 0199 145 3
0125 0174 447 660
1.0 .001 230 S28B+4
1900 .0001 @ 014 014 s
001 019 044 5
0125 0174 136 61
1.0 .001 07 a7
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dimensionless injection parameter, I, varied with time and distance at various instances
in this study. Additionally, it shows the satisfaction of the stability criteria (K less than
0.619) and how the difference between the heat reduction for flat plate and plane
stagnation flow near the stagnation point was small (J less than 0.1). Finally, a range
of calculated Reynolds numbers based on boundary layer edge conditions are listed to
indicate the laminar nature of the leading edge boundary layer.

The film cooling relations required similar treatment. An assumed transient coolant
distribution for \.»VCOOL in Equation (28) was required. Unlike the transpiration cooling
model, which assumed coolant injection along the entire leading edge length, the film
cooling model was developed based upon coolant injection only along the leading edge
stagnation line. Thus, no surface distance relationship for ‘:vcoo,_ was appropriate for this
study. The assumed transient distribution for \;rcoo,_ is shown in Figure 4.6. This data
was also placed into a file for the computer model use.

Thus, by indicating whether transpiration or film cooling was to be used with heat
pipe cooling, Equation (5) was modified in the computer model. In turn, this selection
adjusted the calculations associated with Equation (4), the leading edge surface
temperature calculations, and the remaining finite difference numerical results. In
Equation (6), e=0.85 was used for all calculations and it was furthex: assumed that the
presence of the coolant on the surface did not significantly change its value.

Within the heat pipe structure itself the computational technique known as the

alternating-direction-implicit method was used to write the two-dimensional, transient

61




COOLANT INJECTION, WCOOL [kg/m-sec])

0.13
0.12
0.11

0.1
0.09
0.08
0.07
0.06
0.05
0.04
0.03
0.02
0.01

-

¥ L} )

)
0.00 0.40 0.80 1.20 1.60
(Thousands)
TIME [sec]

FIGURE 4.6. Transient Film Coolant Injection Profile

62




finite difference equations. Two systems of non-homogeneous, linear, algebraic
equations were obtained by alternately holding temperatures in one spacial direction
constant during the first half of a time step and allowing temperatures in the other
direction to vary. Then, during the second half of the time step apply the same
procedure, but reverse the direction.

Solutions to the finite difference equations were obtained by moving forward in time
from a given temperature distribution. The solutions to the first set of equations, from
the first half of the time step, were used to solve the second set of equations, yielding
the temperature distribution after a full time step. The advantage of the solution method
is that it is unconditionally stable as long as the size of the half time step remains
unchanged during any given full time step. Time increments can be increased in order
to reduce computation time, but excessively large increments can introduce large errors
in the calculated temperature distributions. A time increment of 0.1 second was used in
the present study.

The leading edge was subdivided into finite difference nodes as shown in Figure 4.7.
A total of 40 chordwise direction (x-direction) nodes were used in which 20 were
concentrated near the stagnation region to give better definition in this critical area. Five
normal direction (y-direction) nodes were used for the shell and two for the capillary

structure.
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H nic Wi i lin;

An application of the hypersonic leading edge cooling model was then conducted.
Helium, water vapor, and air were selected as coolants for this investigation. The
selection of these particular coolants was based on a potential availability consideration
and on a range of specific heat versus molecular weight basis rather than any
predetermined idea of possible candidate coolants for future applications. A coolant
reservoir temperature was arbitrarily selected at 600 K for determination of specific
heats. No liquid transpiration or film cooling was considered in the present study.

The results of incorporating the hypersonic leading edge cooling model to the wing
conditions outlined above are shown in Figures 4.8 through 4.13. Figures 4.8 through
4.10 show predicted transient leading edge surface stagnation temperatures, chordwise-
direction surface temperature gradients, and normal-direction skin/heat pipe shell
structural temperature gradients at the stagnation point for the case of heat
pipe/transpiration cooling using the three coolants with no internal active heat exchanger.
Figures 4.11 through 4.13 show the corresponding results for the case of heat pipe/film
cooling. For comparison, these figures include results showing heat pipe cooling alone
(no internal heat exchanger cooling, no surface mass transfer cooling) and results
showing heat pipe/heat exchanger cooling only (no surface mass transfer cooling). The
assumed internal active heat exchanger transient heat load used in those results is shown
in Figure 4.14.

It has generally been reported that the maximum allowable surface temperature of
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available aero-structural materials is between 1500-1800 K [102]. Given this criteria,
Figures 4.8 and 4.11 demonstrate the insufficiency of using liquid metal heat pipes alone
to cool the wing leading edge from approximately 700 seconds to 2000 seconds for this
typical hypersonic vehicle ascent mission. During this critical window, supplemental
leading edge cooling options are required, such as, internal active heat exchanger
cooling, surface mass transfer cooling, or a combination of both.
T iration in

Figure 4.5 illustrates that for this study the transpiration cooling was initiated and
completed to approximately coincide with the critical ascent cooling window from 700
to 2000 seconds. Figures 4.8 through 4.10 indicate that leading edge heat pipe/heavy
gas transpiration cooling, under the conditions of this study, are marginally acceptable.
Heat pipe cooling supplemented by either an internal active heat exchanger or a
transpiring light weight/high specific heat gas appears to be fully adequate. In order for
the heavier/lower specific heat gases to be more acceptable, two alternatives are
available: either an internal heat exchanger should be used in conjunction with the
transpiration cooling, or the amount of transpiration coolant injected into the boundary
layer should be increased.

For the first alternative, the required heat exchanger heat load could be reduced from
that shown in Figure 4.14. This, in turn, would reduce the heat exchanger coolant mass
flowrate requirements and significantly ease the potential heat exchanger/internal leading

edge design problems mentioned in the last chapter. In the second case, the use of the
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internal heat exchanger is totally unnecessary. However, the amount of increase of
transpiration coolant injection requires careful consideration. First, care must be taken
to insure that the laminar boundary layer is not destabilized due to the resultant increase
of coolant mass from the leading edge surface. If this destabilization occurs, the result
could be a significant increase in the heat transfer to the leading edge surface, yielding
higher surface temperatures than predicted. Second, the increase of coolant transpiration
should not result in a condition which falls outside the limits imposed by Equation (12).

Another important consideration in the design of the leading edge structure will be
the effect of thermally induced stresses. One indication of the potential severity of these
stresses is the presence of structural temperature gradients. Figures 4.9 and 4.10 show,
respectively, the predicted chordwise direction leading edge surface temperature gradients
and the normal direction leading edge skin/heat pipe shell stagnation point temperature
gradients for the mission time of 1800 seconds. At this time the leading edge stagnation
point aerodynamic heat flux was approximately a maximum. Again, the heat pipe alone
and heat pipe/heat exchanger only results are indicated for comparison.

Figure 4.9 demonstrates the characteristic near isothermal operation of heat pipe
cooling. There appears to be, however, a rather significant surface temperature gradient
at the leading edge stagnation region for the heat pipe alone and heat pipe with heat
exchanger only cooling methods. As shown in Figure 4.3, this is not surprising because
of the severe aerodynamic heating in this region from x/L equal to 0 through

approximately 0.05. Figure 4.9 also indicates the severity of this chordwise direction
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surface temperature gradient can be mitigated by the introduction of surface transpiration
cooling. The coolant effectively blocks some of the heat from being transferred to the
surface, thus reducing the surface temperatures. This effect, in conjunction with the heat
pipe cooling action, decreases and tends to level out the surface temperature gradients.

Figure 4.10 shows the predicted leading edge skin/heat pipe shell normal direction
temperature gradient at the stagnation point. The "0" point in the figure represents the
stagnation point surface temperature. In this direction there appears to be less severe
structural temperature gradients. Again, the presence of the transpiration cooling only
effects the stagnation point surface temperatures. Since the leading edge cooling model
of this study assumes that heat is transferred through the structure by conduction only,
the individual finite difference nodes in the normal direction would be affected
accordingly by this surface temperature reduction.
Film_Cooling

Figure 4.6 illustrates that film cooling was also initiated and completed in this study
to approximately coincide with the critical leading edge ascent cooling window. Figures
4.11 through 4.13 indicate that all of the heat pipe cooling supplemented with film
cooling cases appear to be acceptable alternatives for cooling the wing leading. Again,
these figures show, for comparison, the same heat pipe cooling alone and heat pipe with
heat exchanger cooling only results as shown in the transpiration cooling case. The
results illustrated in Figure 4.11 suggest that for all of the selected coolants no internal

heat exchanger cooling may be required with the heat pipe/laminar film surface cooling.
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Additionally, Figures 4.12 and 4.13 show similar structural temperature gradient
moderations as did the transpiration cooling case.

However, despite this apparent heat transfer reduction the laminar film cooling
provides, it has also been reported that excessive upstream coolant injection may
destablize the laminar boundary layer, lead to premature transition, and result in
subsequent surface heat transfer rates that are significantly greater than those rates
corresponding to the no coolant injection case [45,51,73]. Recall, though, for the range
of values of \:vcoo,, used in the experimental work of Redeker and Miller [23], very little
coolant film mixing with the free stream flow was reported over a surface distance of
16.6 inches. Referring to Figure 4.6 and Table 4.1 shows that the values of \;/coOL used
in the present study also fall within that range, under similar operating conditions, and

using a similar leading edge geometry.
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CHAPTER V

COOLING MODEL APPLICATION: SCRAMJET ENGINE INLET

It has generally been accepted that the proposed aerospace plane will rely primarily
on an air-breathing propulsion system provided by supersonic combustion ramjet engines
(SCRAMIJETS) for transatmospheric hypersonic flight [103]. An important design aspect
of the aerospace plane, which distinguishes it from conventional subsonic or supersonic
aircraft, is the integrated airframe-propulsion concept. For conventional aircraft, the
components which provide lift (wings), thrust (engines), and volume (fuselage) are
separate and distinct. They are easily identifiable on the aircraft and can usually be
treated as separate acrodynamic bodies, with moderate interaction, when combined for
a total aircraft system design and analysis.

In contrast, the proposed aerospace plane, as shown in Figure 5.1, involves a careful
integration of the SCRAMIET engine with the aerodynamic shape of the vehicle itself
to allow enhanced propulsion system performance. This integrated airframe-propulsion
concept utilizes the entire vehicle underbody as part of the SCRAMIET. Initial

compression of the air occurs as a result of passage through the vehicle’s nose bow
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shock. Additional compression and the combustion process take place inside a series of
engine modules located near the rear of the vehicle. Primary expansion of the
combustion gases occurs over the vehicle’s nozzle shaped bottom rear surface. The
SCRAMIET engine modules are part of an overall annular inlet area that traverses the
vehicle undersurface and is designed to capture enough air to provide the required thrust.

However, an inevitable result of the integrated airframe-propulsion concept is the
intersection of the vehicle’s nose oblique shock with the engine inlet leading edge (cowl)
bow shock. This was not necessarily the case for the wing leading edge, as analyzed in
Chapter IV. In an attempt to better understand this interaction phenomena, Edney [104]
defined six types of shock interference patterns the intersection creates. Furthermore,
it has been demonstrated that these patterns can result in highly localized and intense
surface heat transfer rates on the engine cowl leading edge [105-108]. As discussed
before, all hypersonic vehicle leading edge surfaces experience intensified stagnation
point pressures and heating rates. These loads can be further amplified by an order of
magnitude when the leading edge bow shock is impinged upon by an oblique shock wave
and results in a Type IV shock interference pattern [106]). Thus, shock interference
heating is an additional problem encountered when considering hypersonic vehicle leading
edge cooling. This is especially the case for SCRAMIET engine inlets because of their
location on the aircraft and the already increased aerodynamic surface heating due to
their required, very sharp leading edge geometries.

Motivated by the results discussed in Chapter IV on applying the hypersonic vehicle
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leading edge cooling model to a typical wing leading edge, a further investigation was
conducted to study the feasibility of applying these same cooling techniques to an
aerodynamically heated SCRAMIET engine inlet leading edge also exposed to transient

Type IV shock interference heating.

Engine Inl 1 Development and Analysi

It has been demonstrated that the supersonic jet surface interaction (the Type IV
shock interference pattern) yields the most severe heat transfer rates and, consequently,
has been the focus of the majority of recent research in this area [108]. Dechaumphai,
et al., [107] report on a study of the thermal-structural response of a 0.25 inch diameter,
internally cooled leading edge subjected to intense shock wave interference heating. The
scenario analyzed in their report represented the acceleration of a hypersonic vehicle
through Mach 16 with the engine inlet leading edge being exposed to a Mach 8 flow
behind the Mach 16 shock front. As the vehicle accelerated through Mach 16, the nose
oblique shock was assumed to sweep across the engine inlet leading edge region at a
speed of approximately two inches per second. The nose oblique shock intersected the
engine leading edge bow shock and produced transient Type IV shock interference
surface heating. The envelope for the peak heating values and surface distributions used
in their study were idealizations of the experimental data given by Holden, et al., [106].
After the oblique shock swept by, the engine leading edge was then assumed to be heated

by the Mach 16 free-stream flow.
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For the present investigation, the shock interference scenario and data used in the
Dechaumphai, et al., [107] study were also applied. The leading edge illustrated in
Figure 3.1 now represented a typical SCRAMIET engine inlet leading edge. It was
assumed that this leading edge had generally the same geometric shape, liquid metal heat
pipe structure, and was exposed to the same hypersonic vehicle flight trajectory as the
did the wing in Chapter IV, except, the engine inlet leading edge nose diameter was
reduced to 0.25 inches and there was no internal active heat exchanger cooling. Also,
it was assumed that Type IV shock interference heating occurred on the engine leading
edge surface as the vehicle accelerated through Mach 16 exposing the surface to a Mach
8 flow as indicated in Figure 5.2. For the assumed vehicle ascent flight trajectory shown
in Figures 4.1 and 4.2, this condition arose at approximately 900 seconds into the
mission.

To apply the hypersonic leading edge cooling model to this SCRAMIET engine inlet
cooling scenario, the same type of analysis used for the wing leading edge cooling
discussed in Chapter IV was required. Modifications, though, had to be made to further
incorporate the transicnt Type IV shock interference heating assumed to begin at 900
seconds and the sharper leading edge nose radius.

Based on this assumed scenario, from 0 to 900 seconds the engine inlet leading edge
was exposed to a free-stream flow that was actually the air flow downstream of the
aircraft’s nose oblique shock. In Figure 5.2 this is represented as region 2. Region 3

in this figure represents the air flow in the vicinity of the engine inlet leading edge,
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behind its leading edge bow shock. As seen in the last chapter, the thermodynamic and
flow properties of the air in region 3 are required for use in this application of the
leading edge cooling model and their determination is based upon the appropriate
upstream properties. Therefore, before region 3 could be analyzed, more detailed
information about region 2 had to be determined. Since the region 2 air flow at this time
was not greater than Ma=8, standard compressible flow and oblique shock relations were

used to calculate the required region 2 air data [96,109]:

= (ﬁf = (E:)2 (fz_)z (33
a, Ma, u,

u, (y-1)Ma’sin®p +2

] (34)
- (y+1)Ma’sin®p

T 2(y - 1) Ma?sin?g - 1

L_,. (y -1) Ma_sin“f 35

T, (v +1)* Ma’sin® B

and,
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Substituting Equation (34) into Equation (33) and equating this result to Equation (35)
allowed for the solution of Byese in Figure 5.2 at Ma, =16. It was determined that
Ma,B »1 for this condition, thus the hypersonic approximation for fyos; Was made
using Equation (36). Having this value for the vehicle’s Oyosz allowed for the
determination of the transient region 2 flow-field properties by using standard oblique
shock calculations and relationships throughout the mission time interval of 0 to 900
seconds. At 900 seconds, the nose oblique shock was assumed to sweep across the
engine inlet leading edge bow shock in approximately 0.2 second and initiate the Type
IV shock interference behavior described by Dechaumphai, et al., [107]. After
approximately 900.2 seconds the leading edge was exposed to the vehicle’s transient free-
stream flight conditions shown in Figures 4.1 and 4.2 for the remainder of the mission.
That is, from 900.2 to 3000 seconds the region 2 flow-field conditions were, in fact, the
oo-conditions. Flow-field conditions from 900 to 900.2 seconds were assumed to remain
constant at the 900 second values.

Therefore, determination of the region 2 flow-field for the entire ascent mission
provided the necessary free-strea;n data to determine the region 3 thermodynamic and
flow properties using the same assumptions and techniques discussed in Chapter IV.

Once determined, these properties were used, where appropriate, in both the leading edge
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cooling model and in the determination of the engine inlet leading edge aerodynamic
surface heat flux data.

Figure 5.3 shows the resulting SCRAMIET engine inlet leading edge chordwise
direction surface heat flux distribution. Figure 5.4 shows the transient stagnation
aerodynamic heat flux used for the inlet leading edge. The data represented on these two
figures were also determined using the same assumptions and techniques employed in
Chapter IV for the wing leading edge case.

Figure 5.3 incorporates the sharper nose radius assumed for the engine inlet leading
edge. This figure also indicates that for the present analysis it was assumed that the
maximum surface heating occurred at the leading edge stagnation point. This assumption
was reasonable throughout the mission except during the Type IV shock interference
heating condition occurring from 900 to 900.2 seconds. Holden, et al., [106]
acknowledge that attempting to define the surface location of the peak heating load for
a Type IV interaction is difficult. The general trend, though, is that the peak loading
occurs on the surface when the supersonic jet surface impingement, from the shock
interaction, is approximately 20 degrees below the stagnation point, regardiess of Mach
number [106]. For the purpose of the present investigation, however, it was felt that due
to the short time duration of the assumed shock interference effect, the assumption of the
peak heating occurring at the stagnation point would not significantly affect the overall
results. Additionally, Figure 5.4 incorporates the smaller engine inlet nose radius and

the Type IV shock interference data of Dechaumphai, et al., [107] from 900 to 900.2
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seconds.

Figures 5.5 and 5.6 present, respectively, the transpiration and film coolant injection
profiles used for the engine inlet leading edge cooling. Since no internal active heat
exchanger was utilized for this application, the coolant injection profile selections were
based upon maximizing the coolant flowrate, while still insuring the model limits and
boundary layer stability criterium discussed in Chapter IV remained satisfied.

Additionally, air alone, at a reservoir temperature of 600 K, was used as the test coolant.

Results
The results of applying the hypersonic leading edge cooling model to the SCRAMIJET
engine inlet are shown in Figures 5.7 through 5.10. Figures 5.7 and 5.8 show the
predicted transient leading edge surface stagnation temperatures for the heat pipe with
air transpiration and film cooling cases. For comparison, leading edge cooling using the
heat pipe only is also indicated on both figures.

Applying the same 1500 to 1800 K maximum allowable leading edge surface
temperature criteria discussed in the last chapter yields a number of observations. First,
leading edge heat pipe cooling only is not sufficient during the mission time interval of
approximately 450 to 2250 seconds. The temperature spike shortly after 900 seconds on
Figures 5.7 and 5.8 corresponds to the Type IV shock interaction effect and represents
the maximum leading edge surface temperature during the ascent mission when heat pipe

cooling only is used. Second, incorporating air transpiration or film cooling with the
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heat pipe does lower the leading edge surface temperatures, but not into the maximum
allowable range. Third, using the heat pipe/mass transfer cooling combination appears
to shift the time when the maximum leading edge surface temperature occurs. This shift
is away from the shock interaction time and to a time shortly after the mission time
corresponding to the occurrence of the maximum aerodynamic surface heat flux for the
no shock interaction case. Recall that for the wing leading edge, the maximum surface
temperature occurred shortly after the time of the maximum aerodynamic heating.
Fourth, the results shown in Figures 5.7 and 5.8 indicate that supplemental transpiration
or film cooling tends to reduce the magnitude of the thermal effect from the shock
interaction on the surface of the heat pipe cooled leading edge.

Figures 5.9 and 5.10 show, respectively, at the mission time of 1800 seconds the
chordwise direction leading edge surface temperature gradients and the normal direction
skin/heat pipe shell stagnation point temperature gradients. The time of 1800 seconds
was selected since it represented the maximum temperature condition for the transpiration
and film cooling cases. Again, as was seen with the wing leading edge, steep surface
temperature gradients exist close to the engine inlet stagnation point. Supplemental
transpiration and film cooling, however, tended to reduce this condition. The normal
direction gradient is similarly affected.

Thus, based upon the assumed conditions in this application, it appears that leading
edge liquid metal heat pipe cooling supplemented by surface transpiration or film cooling

could be used to mitigate the expected aerodynamic heating effects on a SCRAMIET
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engine inlet. Further, it appears that these methods could be used as additional
techniques for reducing the potentially severe Type IV shock interaction surface heating
effects, along with those discussed by Holden, et al., [106] and Glass, et al., [110].
Applying the trends discussed in the last chapter suggest that the overall engine inlet
leading edge cooling effectiveness could be improved by: 1) using some type of an
internal active heat exchanger, or 2) using a surface coolant with a lower molecular
weight and higher specific heat than that of air. For the second case, the potential effect
on engine combustion efficiency would have to be considered due to the trace presence
of coolant gas in the combustion air. Hydrogen, perhaps an obvious choice for a surface
coolant, is not practical in these applications, however, due to its low combustion
temperature (approximately 1100 K) compared to the relatively high maximum allowable
leading edge surface temperatures (1500-1800 K) (74].

It must also be re-emphasized that this analysis, as did the wing analysis, assumed
the leading edge laminar boundary layer remained attached throughout the entire ascent
mission.  Although the transpiration and film coolant mass injection rates and
distributions used in the study were selected based upon the best available criteria in the
literature to ensure boundary layer stability, the potentially severe adverse pressure
gradient imposed on this thickened, laminar boundary layer by the shock interaction
effect could cause local separation, if not transition to turbulence. Unfortunately, there
is a lack of information in the literature regarding this shock/thickened laminar boundary

layer due to mass addition interaction.
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It is documented, however, that in the absence of mass addition a turbulent boundary
layer has a greater capability of withstanding adverse pressure gradients than a laminar
one and that this ability increases with Mach number [73]. Ledford and Stollery [73]
report the results of a test program intended to evaluate the effect of a shock interaction
on a turbulent, film cooled, hypersonic flat plate boundary layer. However, they were
only able to conclude what was aiready known: turbulent film cooling offered little
thermal protection to a flat plate. Yet, this conclusion adds confirmation to the desire

of maintaining a laminar boundary layer on the leading edge surface.
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CHAPTER VI

CONCLUSIONS AND RECOMMENDATIONS

The problem of cooling to an acceptable level hypersonic aerospace plane leading
edge structures exposed to severe aerodynamic surface heating was addressed in this
investigation. A numerical, finite difference based hypersonic leading edge cooling
model incorporating post-startup liquid metal heat pipe cooling with surface transpiration
and film cooling was developed to predict the transient structural temperature
distributions and maximum surface temperatures of an acrospace plane leading edge. It
was envisioned that this model could be used as a tool for future hypersonic leading edge
cooling engineering design calculations. Application of this model was demonstrated for
two cases: 1) the cooling a typical aerospace plane wing leading edge section, and 2) the
cooling of an aerospace plane SCRAMIJET engine inlet (cowl) section.

Results of the applications showed that for the wing leading edge, liquid metal heat
pipe cooling alone was insufficient for maintaining surface temperatures below an
assumed maximum level of 1800 K for approximately one-half of a typical aerospace

plane ascent trajectory through the Earth’'s atmosphere. However, supplementing the
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heat pipe cooling with an active internal heat exchanger cooling mechanism, with gaseous
transpiration cooling along the entire leading edge length, or with gaseous film coolant
injection at the leading edge stagnation point yielded significant improvements. The
results also indicated that the injected coolant gas possessing the combination of a high
specific heat and low molecular weight provided the greatest aerodynamic heat transfer
reduction to the leading edge surface in both the transpiration and film cooling cases.
Additionally, surface transpiration and film cooling tended to reduce the magnitude of
both the leading edge chordwise direction surface temperature gradients and the normal
direction skin temperature gradients at the stagnation point. For the SCRAMIET engine
inlet cooling, it was further demonstrated that both transpiration and film cooling tended
to mitigate the severe Type IV shock interaction surface heating effect. This was
apparently due to the combination of the typically very short time duration and surface
locality of this type of shock interaction along with the inherent heat transfer blocking
action characteristic of surface transpiration and film cooling.

Although the finite difference based leading edge heat pipe model, the transpiration
cooling model, and the film cooling model have been individually correlated and checked
with experimental data, there exists no data in the literature, at this time, available to
validate the results predicted by this study’s combined hypersonic leading edge cooling
model. Consequently, confidence in its results has to be based upon the reasonableness
of the model’s assumptions and the correctness of its applications.

One critical assumption that cannot be truly verified, without the benefit of
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experimental data, is the attached laminar leading edge boundary layer assumption.
Aerodynamic surface heating calculations, the transpiration and film cooling heat transfer
reduction effects, and the criteria for ensuring laminar boundary layer stability in the
presence of surface mass addition were all based upon this assumption. Yet, there does
appear to be some validation for the assumption besides the data and discussion presented
in the body of this report. It has been experimentally shown on a 5 degree half-angle
cone, with a trajectory having a dynamic pressure of 1000 psf, that high Mach number
flows tend to laminarize the surface boundary layer [111]. Recall, for the present
investigation of high Mach number flows over a sharp-nosed leading edge the dynamic
pressure was assumed to be 2000 psf. Therefore, it would be reasonable to assume that
the increased dynamic pressure used in this study would yield an increased tendency to
laminarize the leading edge surface boundary layer and, thus, provide further confidence
in assuming laminar boundary layer flow.

Also related to the boundary layer issue is the possible effect on laminar heating by
the so-called "high-entropy gas layer" typically associated with hypersonic flow over
blunt bodies. In the present investigation this effect was not considered significant.
Unlike what is experienced on the blunter space shuttle leading edges, it is felt that the
much sharper nose of the aerospace plane would largely eliminate the high-entropy layer
and that flat plate approximations would yield more reasonable laminar heating values
[94].

Lastly, no attempt has been made in this study to compare to one another the relative
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cooling effectiveness of the transpiration and film cooling cases. This would require,
among other things, knowledge of the specific coolant mass flowrates necessary to give
the heat transfer reduction results presented in Chapters IV and V. Since the surface
injection geometry required for these two methods is completely different, as shown in
Chapter 11, the coolant injection requirements in the present investigation were developed
on a mass flux basis. Therefore, no particular coolant injection geometry for the
aerospace plane leading edge surface had to be assumed. Rather, emphasis could be
placed on determining the feasibility of each cooling concept without concern over what
would be the optimum coolant injection design.

The findings of this investigation have also pointed to areas recommended for future

study:

1. A leading edge structure needs to be built and an experimental study conducted which
incorporates surface transpiration and film cooling with liquid metal heat pipe cooling of
the leading edge when exposed to the flow and surface heating conditions used in the
present investigation. This task would help in determining the validity of the hypersonic
flow-field, laminar boundary layer flow, and structural cooling assumptions/predictions
discussed in the present report. With experimental data such as this, modifications, as

necessary, to the leading edge cooling model of the present study could be made.

2. Analytical expressions to account for melting of the heat pipe working fluid should
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be incorporated into the leading edge cooling model. This modification would allow the
finite difference based model to be used to additionally predict cooling performance
during heat pipe startup, similar to the finite element based heat pipe model discussed in

Chapter III.

3. The leading edge cooling model needs to be made three-dimensional with respect to
heat transfer. To fully study this cooling concept for an entire leading edge span, this

modification will eventually have to be done.

4. Studies should be conducted with this model to determine the feasibility of using
surface transpiration and film cooling without heat pipe cooling. These studies could be
done with or without the supplemental use of an active internal heat exchanger. The
results could be interpreted as representing the structural cooling effects of these
techniques themselves or used to model the scenario of cooling a leading edge when the

heat pipe has failed.

5. A study of the effect various distributions of coolant injection over the leading edge
surface on cooling performance should be conducted. Coolant transpiration, for
example, could take place only at the stagnation region rather than along the entire
leading edge length. This action could possibly decrease the chordwise direction surface

temperature gradients predicted in the present study.
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6. The effect of increasing or decreasing the leading edge/heat pipe length on this
model’s cooling performance should be studied. This may be of particular interest in the

SCRAMIET engine inlet cooling case.

7. Studies should be conducted to evaluate the response of a thickened laminar boundary

layer due to surface mass addition to Type IV shock interactions.

8. The use of liquid surface coolants should be investigated. The added energy
absorption provided by the liquid’s heat of vaporization would improve this concept’s
potential cooling effectiveness. However, particular attention to the complications
associated with maintaining a thin, liquid film on a surface exposed to a hypersonic

environment needs to be considered [28,64,112,113].
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