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PWEACK

The wind tunnel continues to be dhe main insrumnent for providing exprimental aerodynamic data to the aeroapace
industry and the aerodynamic reseacher for the purpose of load and performance evaluation and for verification of theoretical
results. In both cums it is imperative that the user has confidence in the quality of the results, which means that he must have
information go what accuracy to atch to the data.

The quality of wind tunnel results depends upon both the accuracy of measurements and the imperfections provided by
the widtisndeivra eLGe tie have been made in recent yasrmasuremncuracy and as a rule tiss need no
lonager be of much concern if property attended to. However, imperfections provided by the wind tunnel envirnment are Still
with us and these are today the main sources affecting the quality and accuracy of aerodynamic data obtained in a wind tunnel.

These imperfections can be classified into two categories, those which are facility related (on-coming flow non-
uniformities, unsteadiness and noise; wail and support interference; test repeatability; etc.) and those which are simulation
related (Mach and Reynolds numbers, boundary layer simulation; nmodel conformity; etc.

Operators as well as users are continuously striving to reduce or eliminate imperfections in thsese various areas so as to
improve the accuracy/quality of data.

It was the pusrpose osf this symposium to try to define what accuracy has presenly been achieved in modem facilities and to
cmpare these achievements with the actual demands that the users may have in this matter.

The symposium consisted of seven sessions.

Sessla I took stock of the situation thanks to comparisons between results obtained in different wind-tunnels on models

systematic anlssof measured uncertainties.

Sesaion 3 presented the state of the art in die field of drag measurement, which is of prime importance for transport
aircraft performance evaluation.

Seasins 4 and 5 reported actions taken to enhance the data accuracy by properly accounting for facility imperfections

aeed byt regarde touato daaecucchnriquses.oidd ormwhr

Session 6 highlighted the progress which can be expected from tie use of new testing techniques.

Sesio 7 allowed the wind tunnel users, including representatives from the Flight Mechanics Panel and from the

bothopeator an uses fom he Rseach Cmmuityas well as from the Aircraft Industry exchanged their views and had
stimulating discussions.

La souffienie continue i 6tre Ie moyen principal pour fournir des r~sultats expdrimentaux A I'industrie adrospatiale et aux
chercheurs a&rodynamiciens en vue deaIs prision des performances et des charges aerodynamniques et de Is validation des
r~sultats thdoriques. Dam lea dciii culli eat impftatif quel'utilisateur puisse avoir conflance.dans Is qualiti des resultats, cequi
imrplique qu'iI sit des informatis sur Is pr~cision qui eat attachde i ea r~sultats.

La qualitti des rdsultats de soufflesie dipend & la fois de la pr~cision des mesures ct des imperfections de I'Ecoulemient
ddlivrd parlIs souffierie. De granda proprs ont &t6 r~alisis ces derni~res annies en iatire de pr~cision de mesure et defaon
g~ndrale cela ne devrait phi poser beauicoupde probimes si I'on proc~de de faqon correcte. Cependant, lea imperfections de
I'Ecouiemetst ddlivri par la souffierle sont toujours I& et cst princspsiement eltes qyi affectent Is qusliti et Is precisio des
r~sultats &rodynamques fournds par lea souffleries.

Cos imperfections peuvent &re clasades en deuu catigories, celles qui d~pendent de installation (non uniformiftd,
instailhdt tbruit de rEcoulement incident; interf~rences de parots et de support; rdpftabilt des Conditions d'easass; tc...) et
cefles qui sont relatives it la simulation qui eat rtialis&e (nombres de Mach ct de Reynolds simulationt de Is couche limite,
oonformit de Is niaquette; etcj.

Las responsables d'instaflatiozs sas bias que lea utilisateurs s'efforcent en permanence de rtidir ou d'Elinine lea
imiperfactions durnes difdrnf domaines pour aniflorer In pr~cision et Is qualiti des rtisultats.



Cc symposiumsad6W organise pour essayer de ddflnir quel niveau de precision &&ait acticllement rdafisd dans les
installatons nioderoes et pour comparer ces rdalisations aux besoins riels que lea utilisateurs peuvent avoir en Cette matiere.

Le symnpouium a comportd sept sessions.

[A session 12 perinis de dresser un premier bilan de Is situation grice i dea consparaisons de resultats obtenus dans
diffdrentes souffleris buir des maquettes censees saoir des formes semblables.

Ia 1ms1, 2. en particulier ricm h lexpericncc des motoristes, a montr6 e Wbnificc qui peut ktre tire d'une analyse
systfmatiquc des incertitudes de inesure.

La session 3 a preseni ]'&at de, ]'art en matiire de mesure de la tainee qui est une caractdristiquc d'importance
capital. pour lea avions de, transport

Usa sessions 4 et 5 ont relate des mesures qui ont eti prises pour augmenter [a precision des rdsultats en prenant en
compte les imperfections de ['installation et en amiliorant lea techniques de simulation.

La session 6 a mis en 6vidence les progresm qui peuvent &re esperis de l'utilisation d'un certain noinbre dc techniques
d'essai nouvelles.

La session 7 a pennis aus utilisateurs en particulier aus representants des commissions de Mecamique du Vol et des
Structures et Materiaux, d'exprmer leurs besoins en cc qui concemne Ia prdcision des resultats die soufflerie.

Enfin, une discussion de table roside tancie par l'Evahiateur Technique du Symposium Monsieur L.Laster a donne
l'occasion mix responsables d'installations et airs utilisateurs de [a Recherche et de l'lndustrie d'echanger leurs points die vue
sur Is question et dsavoir des discussions stimulantes.

B.MONNERIE
LOHMAN

Pr------- - --- -______________I
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A CRITICAL ASSESSMENT OF WIND TUNNEL RESULTS FOR THE MACA 0012 AIRFOIL

W. J. NcCroskey
U.S. Army Aeroflightdynamics Directorate (AVSCOM)

NASA Ames Research Center. N258-1
Moffett Field, California 94035, USA

ABSTRACT

A large body of experimental results, which were obtained in more than 40 wind tunnels on a single.
well-known two-dimensional configuration, has been critically examined and correlated. An assessment of
some of the possible sources of error has been made for each facility, and data which are suspect have
been Identified. It was found that no single experiment provided a complete set of reliable data.
although one investigation stands out as superior in many respects. However, from the aggregate of data
the representative properties of the NACA 0012 airfoil can be identified with reasonable confidence over
wide ranges of Mach number, Reynolds number, and angles of attack. This synthesized information can now
be used to assess and validate existing or future wind tunnel results and to evaluate advanced Computa-
tional Fluid Dynamics codes.

I. INTRODUCTION

Reliable determination and assessment of the accuracy of aerodynamic data generated In wind tunnels
remains one of the most vexing problems in aeronautics. Aerodynamic results are seldom duplicated in
different facilities to the level of accuracy that is required either for risk-free engineering develop-
ment or for the true verification of theoretical and numerical methods. This shortcoming is particularly
acute with regard to today's rapid proliferation of new Computational Fluid Dynamic (CFO) codes that lack
adequate validation 11!.

On the other hand, the MACA 0012 profile is one of the oldest and certainly the most tested of all
airfoils; and It has been studied in dozens of separate wind tunnels over a period of more than 50 years.
Although no single high-quality experiment .pans the complete subsonic and transonic range of flow condi-
tions, the combined results of this extensive testing should allow some conclusions to be drawn about
wind-tunnel data accuracy and reliability, at least for two-dimensional (2-B) testing. This paper
attempts to extract as much useful, quantitative information as possible from critical examinations and
correlations of existing data from this singl1, well-known configuration, obtained in over 40 wind tunnels
and over wide ranges of Mach number, Reynolds number, and angles of attack.

A preliminery comparison by the author (21 in 1982 of results from about a dozen widely-quoted inves-
tigations for the NACA 0012 airfoil revealed significant and unacceptable differences between wind
tunnels, and subsequent examinations of more data sets merely compounded the confusion, as indicated in
Figs. I and 2. Therefore, a major part of the present investigation was the development of a filtering
process for screening the available data and classifying the experimental sources Into broad categories of
estimated reliability. This process is described in tne next section. Detailed comparisons, correla-
tions, and uncertainty estimates are discussed in subsequent sections, where the the following results are
considered:

1. Lift-curve slope versus Mach and Reynolds number
2. Minimum drag versus Mach and Reynolds number
3. Maximum lift-to-drag ratio versus Mach and Reynolds number
4. Maximum lift versus Mach and Reynolds number
5. Shock-wave position versus Reynolds number at M - 0.8

As this list indicates, the present study deals mostly with the integral quantities, lift and drag.
Despite the large umber of references available on this most popular of all airfoils, it was found that
there is insufficient overlap in the experiments to make many meaningful, direct comparisons of more
detailed quantities, such as pressure distributions, in the transonic regime. It is acknowledged that
pitching moment is also a sensitive Integral parameter that displays interesting transonic behavior, but

is not considered in this paper.

1I. THE FILTERING AND AALYIS PROCESS

The main objective of this section is to comine the critical, relevant Information that is available
on airfoil testing and on airfoil aerodynamic behavior into a systematic screening, or 'filtering," pro-
cess that can be used to assess the quality of individual experimental sources of data. This process will
then be used to classify each data set and to weigh the accuracy of those data against the quantitative or
qualitative information that they can provide about the aerodynamic characteristics of the NACA 0012
airfoil.

.1
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Fig. 2. Lift-urve slope vs. Mach number: all data. Legend explained in Tables 1-4.

• p.



1-3

A. Development of the Process

The critical information used in the development of the process is derived from four broad categor-
ies. as follows:

1. A very large collection of wind-tunnel data for the NACA 0012 which varies widely for many
possible reasons.

2. A modest collection of "facts." i.e.,

a. well-established theories and similarity laws
b. generally-accepted empirical laws
c. recent advances in identifying, analyzing, and correcting for wind-tunnel wall effects.

3. A fuzzy collection of 'folklore" about airfoil behavior, test techniques, and wind-tunnel
characteristics.

4. Recent CFO results for a few standard airfoil cases in both simulated free-air conditions and
combined airfoil/wind-tunnel installations.

This aggregate of information firmly establishes some important sources of wind-tunnel errors and
certain properties of airfoils such as the MACA 0012. This knowledge can be summarized as follows:
first, all four wind-tunnel walls generally interfere with the flow around the airfoil, and this phenome-
non is generally more acute than for three-dimensional (3-0) bodies. The top and bottom walls particu-
larly affect the effective angle of attack, the shape of the pressure distribution (and hence pihching-
moment coefficient), and the shock-wave location, and to a lesser extent, lift, drag, and effective Mach
number. Solid walls increase the effective a and Mach numer, but these effects are considered to be
easily correctable, at least in subsonic and mildly transonic flows. Slotted or porous walls lower the
effective .; attemps are often made to correct for this. but it is difficult.

Second, side-wall boundary layers have been shown to lower C Cd, and the effective M, and to move
the shock forward. Flow separation at the airfoil-wall juncture af;ects the shock location and reduces
Ctmx. The effects can be reduced substantially by the application of suction on the side walls, and

corrections can be applied if there is no separation in the corners.

Third, free-stream turbulence and boundary-layer trips increase C and often affect C,, C,. and
shock location. Many airfoils, including the NACA 0012. may be particularly sensitive to Reynolds number
variations if no trip is used; however, extreme care must be exercised in tripping the boundary layer to
avoid causing excessive drag increments and erroneous changes in C. and shock position. The effects of
both trips and turbulence are difficult to quantify.

Concerning airfoil behavior, two important 'facts" have been established about the behavior of lift
and drag in subsonic flow at smell angles of attack. At high Reynolds numbers, both Cd at zero lift and
the quantity Y/'i-7C. are independent of M and are only weakly dependent upon Re. Unfortunately,

most other aspects of aiPfoil characteristics are not as firmly established, and even these two quantities
are not well defined In transonic flow. However, measurements of general trends and qualitative behavior
are generally accepted, even if the absolute values of CI. Cd, and C,, for example, are uncertain.

To improve on this situation, the following filtering or screening process is proposed. First, an
attempt will be made to identify the highest-quality experiments in which the aforementioned wind-tunnel
problems were carefully controlled, corrected for, or otherwise ameliorated. Second, the results of these
tests will be used to establish the quantitative. "factual,' behavior of the critical parameters Cd and

aC,, where a - l -M , as functions of Re in the subsonic regime where they are essentially

independent of M. This information comprises the filters that are necessary, although not sufficient,
screening criteria for judging the credibility of the remaining data. Third. these filters will be used
to help identify obviously erroneous aspects of all the data sets and to classify each experiment accord-
ingly. Fourth, all the data will be critically examined outside the range of Mach and Reynolds numbers
for which the filters were developed. Finally. a subjective extension of the fourth step will be made.
The "folklore" correlations and other information referred to above, and established transonic similarity
laws, will be used to combine selected NACA 0012 and other airfoil data in order to estimate the transonic
properties of the NACA 0012 over a range of Mach numbers. 0.85 < M < 1.1. for which yirtually no reliable
data exist.

W. B. Application of the Process

Table 1 lists and summarizes the experiments which clearly stand out as having been conducted with
the utmost care and/or as most nearly eliminating the important sources of wind-tunnel errors. These
sources are referred to throughout this paper as Group 1. It will be noted from Table I that. unfortu-
nately, only one of the experiments extends slightly into the transonic regime, and that the turbulence
level in that test was relatively high. Also, for the present purposes. it is unfortunate that the only
data reported from that experiment were obtained with a boundary-layer trip. although some unpublished
data were also obtained without a trip.
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The results for &C. from Group I are plotted versus Re in Fig. 3. It Is clear that the results

shown in this figure represent a major improvmenj over the largg scatter in Fig. 1. A good fit of the
lift-curve slope data in the limited range 2 x 100 < Re <2 x 10' is given by

0CsI - 0.1025 + 0.00485 Log(Re/10
6 ) per degree (1)

with an rms standard error of 0.00024 and a maximum error of 0.0029 for the 30 points shown.

Similarly. the results for Cd are plotted in Fig. 4. The meaning of the various groups is
explained below. The drag data from Group 1 without a boundary-layer trip. i.e. the open circles, can beapproximated well by

Cd - 0.0044 + 0.018 Re
-0
-
15  (2)

with an rms standard error of 0.00005 and a maximum error of 0.0007 for the 36 points from Group 1. The
data with a boundary layer trip show a greater sensitivity to Reynolds number. In accord with the approx-
imate variation of fl1lly turbulent skin friction with Reynolds number [3J. a good fit to the Group 1
tripped data is given by

Cd - 0.0017 + 0.91/(Log Re)2 "58  (3)

where the constant 0.0017 was chosen to optimize the curve fit shown in Fig. 4.

For reference, It is estimated that the individual values of oC. and Cd can be determined or
calculated from the individual Group I data points to an overall precision of about ±0.0005 and :0.0002.
respectively. It may be mentioned that Ref. 4 lists the desired accuracy of Cd from wind tunnels as
0.0005 for the assessment of configuration changes and 0.0001 for the validation of CFD codes.

The Information in Eqns. 1-3 can now be used to assess the accuracy of the data from the remaining
sources and to group the data into separate categories. After much deliberation, it was decided to define
Group 2 as comprising those data which generally agree with both the lift and drag criteria expressed in
Eqns. 1-3, to within !0.0040 for C. and to within _0.0010 for Cd . These experiments are listed in
Table 2. Foremost in this group is t9e experiment of C. 0. Harris 15?. Although this experiment was
carefully conducted and offered the advantage of a large aspect ratio, lift-interference corrections on
the order of 15% are required for the angles of attack. These were a major concern initially, but in the
subsequent discussions and figures it will become evident that these results are comparable In accuracy to
those of Group 1.

A Abbott & vonDoenoff. LTF1, no trip
.14 * Cri tzo, al. ,TV , no trip

0 Laduon, Mr no trip
V Gregory & O'Relt, NPL 13*zV; no trip
(D men&Nwman, LC o.3,, adaptive well, trip

.13 - ------ pC = 0.1025 + 0.00485 Log ReA/O.... ....... PtC - 2ff

.12

"' .............. ........ ... ............

.10

.09

106 107 log
Lo1L Re

Pig. 3. Uft-curve slope at zero lift vs. Reynold number; Group I dote, M O.5S. Expmded vertical Wmle.
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----curve-fi Group 1. no trip

_-.-ave-f Group 1. with Irip

.0100

Cdo .0075 0 0 0
00 00

000
.0050

.0025

P 0
4 X105r 10 10

Log. Re

Fi'g. 4. Drag coefficient at zero lift vs. Reynolds nuambr.

Several sources provide data that agree well with the Group 1 results for either eC, r Cd ,but

not for both. In sowe cases. only one of these key quantities was measured. These are classif led as
Group 3 and are listed in Table 3. An example of this group is the essentially interference-free experi-
ment of Vidal et al. 161, which provides good lift data, but which used a large trip that evidently pro-
duced excess drag.

A few sources provided data that generally satisfy the basic lift and/or drag criteria outlined
above, but for which other major problems have been identified. In addition. a significant number of
tests fail to satisfy either of these two criteria, but they do cover ranges of Mach number where even
qualitative information is helpful. These sources are referred to as Group 4 and are briefly suaftrized in
Table 4. Finally. still other sources were examined that failed to satisfy the criteria, and which did
not appear to offer any significant additional Information relevant to the present investigation. For
information purposes these are listed in Table 5. but their results are not used in this paper.

111. RESULTS AND DISCUSSION

In this section. the results from Groups 1-4 and from the other sources alluded to Section II.A are
used collectively to establish the primai.) characteristics of the MACA 0012 airfoil over a wide range of
Mach nmber. Reynolds numer. and angle of attack.

A. Lift-Curve Slope. dCs,.

Figure 5 shows the date from Groups 1-3 for oC1L as a function of Reynolds number, for N <0.55.
Harris' results 151. at Re - 3 and 9 . 16. are hlilightod by solid symbols. and this convention will
be followed in most of the remaining figures. The scatter in the Group 2 data is slightly greater than
that of the Group 1 results, but the quantitative behavior of OC., seems to be established now over the
range of most wind-tunnel tests for aeronautical purposes.

The comlex transonic behavior of CIL is illustrated in Fig. 6, where the relevant Group 3 data
have been added. This figure clearly represents a major improv ement over Fig. 2. For these conditions.
the good agreement between Harris' results 151 and those of Green and Newean 171 constitute further vali-
dation of the former. The largest discrepancies that resmin occur with the date frue Vidal at a1. 161
below N - 0.8. which sn to be mostly a Reynolds-nueber effect, and Sawyer 18). who reported large
values at N O .6. It is unclear whether this Is due to side-wall interference, or something else. But
In all cases, the pekIn C1, occurs at N *0.80 ±0.01.

- ------ ''
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.14 o Group IData. K < OM
0 Harris6 UaRC 8WT (Oroup 2)
0 Remtainder af Group 2

13 - 0 Goup 3Data
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Fig. S. Lift-curve slope vs. Reyolds number, Same scales as Fig. .

o Group I Data. Re >WO
.2 Harris, LaRC BTr (Group 2)0

O Group2 Dt. Re > .5z10
*~ Group sData. re >2x10 0
* VidaL. CALSN 08 ( Group 3 ). Re-10
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00

-.060
.2 .4 .6 .68 1.0

Fig. 6. Lift-cwrve slape vs. Mah number.

The date In Fig. 6 indicate rapid variations with Mlach nmbNer In the narrow range 0.6 < N < 0.9.
Unfortunately, the Group 2 and 3 data are very sparse in this region. end are nonexistent above N - 0.95.
Therefore. a. attmt was made to extract selected additional information from the Group 4 date and fro
other wavres. as discussed above. Three points are relevant here. First. in the transonic portion of
Fig. 2. the results of Scheitel & Wagner 191 can be argued to be the most reliable of the Group 4 measure-
ments. because side-wall suction was Used end because their results are more nearly Consistent with the
Group 2 and 3 data where there Is sae overlap. Second. all of the supersonic data points of Group 4 are
in good agraeant with one another and with the similarity correlation given below which eocmiasses other
Sammtrical airfoils (10.111,

C, 0651S(v. + 1)"2t/cI 1/3 ±10y% (4)

4~ '
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It must be noted that this simple relation Is only valid in the low supersonic range, 0.1 < N < 1. where

A (1
2 

- 1)1 t/c 
"1 13 .° and although It Is based on transonic similarity, the thickness correla-

tion breaks dom for I 1 101.

A third Important aspect of Figs. 2 and 6 Is the behavior around N - 0.9. There Is a wide variation
In the minimum value of C1  and in the Mach number at which this occurs; and Refs. 9 and 12 of Group 4,

end Ref. 13 of Group 5 repoted negative values of C, . This phenomenon was investigated briefly in
Ref. 14, wherein Navier-Stokes calculations at N - 0.18 and . - 0.6" produced a marginally-stable solu-

tion with C . 0. These calculations were repeated recently with a time-accurate code, and this time
they Produceh an unsteady solution with periodic oscillations with an amplitude of &C - 0.1 around a
mean value of approximately zero. This behavior appears to be qualLtatively tim s Is the transonic
self-induced oscillations reported on a biconvex airfoil by Levy 1151 and In sareral subsequent Investiga-

tions. On the other hand, only *steady* results have been reported In the MACA 0012 experiments, and this
unsteady behavior may have been overlooked. Furthermore, it is not known what effect the wind-tunnel
wlls my have. Considering these factors, it Is the author's subjective opinion that the correct
behavior for the men value of CI is a minima value somehere between 0 and -0.05. occurring at
N . 0.88 ±0.02. This area needs f:rther investigation.

Figure 7 shows the collective, "filtered' information described above In the Mach number range from
0.6 to 1.2. including the author's judgement of the upper and lower bounds of the correct transonic lift
characteristics of the NACA 0012 airfoil at moderate Reyuolds numbers and small angles of attack. In sun-
mary, the most important points are the following:

1. In the subsonic range N < O.S. C1  is given by Eqn. 1 to within ±12.

2. The maximum value of C., Is 0.21 tS and it occurs at N - 0.80 ±0.01.

3. The minimum value of Cis Is -0.025 ±0.025 and it occurs at N - 0.68 ±0.02.

4. A secondary maximua In Ci occurs near N - 1, with a value of 0.09 ±10%.Sa

S. In the low supersonic range 1.05 < M < 1.2. Cie is given by Eqn. 4 to within ±101.

These estimates represent the maximum precision that can be extracted from the existing information, and
they represent whet Is probably the best absolute accuracy to which interference-free lift can be measured
n airfoils in wind tunnels today for an arbitrary angle of attack.

-* 8. Minimum Drag. Cd

The baseline information for this fundamental quantity in subsonic flow was discussed earlier in
connction with Fig. 4. Although the data from Groups 1 and 2 are self-consistent, the scatter in the
results from Groups 3 and 4 (not shon), owing to free-stream turbulence, surface roughness and/or bound-
ary layer trips, wall interference, and measureent errors. would almost totally mask the variation of
drag with eynolds number. Numerical results compiled by Holst 1161 in his recent validation exercise for
transonic viscous airfoil analyses, suggest that fully-turbulent Cd lies between the values given by
Eqns. 2 and 3. but this has not been validated adequately. 0

Another interesting situation is the transonic drag rise. Fig. 8. for which only a limited number of
high-quality sources are available. Here the scatter is excessive, but below M , 0.7, each individual
dete set seems to be essentially Independent of Mach number. This suggests subtracting out an average of
the subsonic values for any given date set, as follows:

ACd - o(M) (N) (5)

where Cdo is the average of the measurements for " < 0.7.

The results of applying this procedure are shown in Fig. 9. which is an obvious improvement over
Fig. S. IRemarkably, even the Group 3 data are In good agreeent for Cdo . The drag-divergent Vach number

can now be estimated at Ndd - 0.77 ±0.01, with a small amount of drag creep for K > 0.72.

The behavior at higher transonic Nach numbers Is much more difficult to establish. All of the data
from Groups 1-4 are plotted In Fig. 10, along with estimates based on transonic similarity correlations of
data from many other symmetrical airfoils 110.11,14.17-201. These latter sources indicate that airfoil
behavior in the low superonic region is given by

C d o + at/c
5
/31(, . 11)M2 1  

(6)

where a is a 1constant that varies from source to source, but which is bounded by about 4.0 and 5.6
The dashed line in Fig. 10 Is for a - 4.8.

Data from Groups 1-4 do not extend beyond N - 0.95. Between N - 0.8 and 0.9, where Cd is rising
rapidly, there is a large amount of scatter. and the uncertainty in the masurments Is virtuly Impossi-
ble to Assess. The solid lines represent the author's subjective judgment of the proble upper and
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Fig. T. 14ft-curve slope vs. Mach nu~mber, Includig estimated upper and lower bounds.
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lower bounds of the correct transonic drag characteristics for this airfoil. In brief, the ost important
points concerning minium drag way be summrized as follows:

1.The Sonic yehavior without a boundary layer trip Is given by Eqn. 2 to within about $0.0003 In

A the range 109 -c e' 3 -O' 10.
~ 3
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2. The subsonic behavior with a fully-developed turbulent boundary layer over the entire airfoil Is
given aPProximately by Eqn. 3. The uncertainty is difficult to estimate from the available data.
but tMe value ±0.01005 Is proposed.

3. The dreg-divergence Maich ramer is beabeen 0.76 and 0.78. Above Pdd Cdo rises rapidly to a
maxNiO. value of 0.11 ±10%. which occurs between N - 0.92 and 0.96.0

f 4. In the low supersonic range 1.06 -c NM' )2. C~ Is given by Eqn. 6 to within t1011. In this
regime, both Cdo and C,. very as N-2'.

.014 - 4 QuMssNeWMan, I^= O~qm 2V1ptrip 0

.01 * er Ihla e-8-Uow. trip
.02 o Go@et tDYL(Ckou2). no trip

* Vida&LMISPAN Proup 3,tripy
.010 - 0 Senryr. ARA (otip 3.no trip

* Sawyer. ARA (Group 3). trip
V Saweam.NL (rOW 31notrlp

.00 A& Low. 60 HBWf (Group 3). no trip
*--0.0005 0

.004

.002 .0 0

-.002 _
.35 .45 .55 .66 .75 .85

MACH NUMBER
Fig. 9. Incremental drag vs. Mach nmnber; croups 1-3.
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* .,.,Fig. 10. Minimnum drag Va. Mach number. all data, includiing estimated upper and lower bounds.
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C. NaximA LAD Natig

This qaentity has important practical consaquences for both fixed-wing aircraft and rotorcraft, and
It also represen~ts a rather different and sensitive check on wind-tunnel accuracy and flow quality. on
the ONe hud. it compounds the uncertainty In both lift and dreg, but does so under test conditions that
ae less severe then C for exmle. On the other hand, errrs in angle of attack or uncertainties
in the *-corrections we not at issue here. Therefore. som experiments in which C L is suspect maey
still provide useful information on (/~x

Reynolds-number effects on (L/D)ne can be Isolated for examination if the Mach nmbher Is less than
about 0.5. This is illuatrated in Fig. 11, whaich shows en increase in (L/0). by about a factor of two
between Re - 106 and 10'. In Fig. 11. the Group 1 results generally show tfi highest values of (L/D).
consistent with the overall high quality of these investigations. Several of the Group 2 experiments
extend the Reynolds nmbder range to lower values than those of Group 1. In addition, the Group 3 results
and three sets of data froe Group 4 are In fair agreement. Unfortunately. Harris 151 did not provide lift
and drag polars for untripped conditions, but It Is Interesting to note that his results with a boundary-
layer trip are in fair agreement with the other data shown. This was not the case for any other tripped
data.

At higher Mach nmbers the variations in (L/0) with Mach and Reynolds nmber are almost tmpossi-
ble to separate from one another. As a compromise Mum;a the limitations of so few data available at a
given Renods number 0u the large ch&ges in (L/0) with Re, Fig. 3.2 shows the available results f~r
the narrow rnge 4 x101 <Re <9 .101. The data 7rLGroups 3and 4are oflnterest here. because they
are the only available results without a trip that extend into the transonic regime. However, they are
suspicious because they lie significantly below the tripped data of Harris [51. Additional transonic data
would be particularly valuable to clarify the quantitative behavior of (L/D).

D. Maxim. Lift

Conventional wisdom holds that three-dimensional separated boundary-layer effects are almost impossi-
ble to control at the stall conditions. and there is same question as to whether true two-dieensional
stall exists, even for extremely high aspect ratios. Parenthetically, the accurate prediction ofC
for tha MACA 0012 airfoil also remains one of the greatest challenges to CFD. Therefore, this quantity
needs to be established experimentally.
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Fig. J2. Afazimum lift-to-dra ratio v3. Mach nujmber: 4 x 106 its * 9 106.

tFigure 13 shows the variation of C. vs Re for the available data from Groups I and 2, at Mach

numbers less then 0.25. A monotonic increase In maximum lift with Reynolds number is evident. These
particular results are surprisingly consistent. whereas the values from Groups 3 and 4 (not shown) were
found t2be significantly lower. in general. Also, It should be mentioned that the data shown at
Re < 101 are somewhat higher than the values often quoted (e.g., Ref. 3), based on older sources.

j.75

1.5

0- Abbott v ~anDoanhotf. Crftom% LmRC LT~r
03- Iadmaj LeC LTPI

.50 A- Qwe a Ok2ly. NFL 13W
V - ShaWehi & linm hfts OL ?zlO'
*- NUV Y A ml. ABC zW
W- Paiamon-QuME en t mL. SLC 3.n

.25 (D- WoWtu~m Akthauu. Stutgart low Sueb 0.7kZ.7m

2X 0 108 107
Lag. Re

Pg19. ilnum lift 'a. RmayoW number. Groups 1-2, no Difp: Al 0.25.

~.1J-

-5 4..'.



1-12

The effect of Mach numer on C is shewn in Fig. 14, for Re > 2 106. The scatter below

N * 0.25 seems to be partly due to aeolds nmber od partly due to wind-tunnel wall effects. However,
local transonic effects in the lmding-edge region evidently play an Increasingly dominant role in the
stall process at N - 0.25 md Aove. where the maximm lift starts to monotonically decrease with
increasing N. It is interesting to note that most of the Group 4 data are only slightly below the data
from Groups 1-3 at N > 0.4. and the scatter in this regime is surprisingly small.

zoo 0- Goup IDa no trip
0 - Harris (GQoulP 2) trip
0- other Qoup 2 Data. no trip

1.76 O- Grap 3 Dinte no trip
+ Group 3 Da,/ trip

1.60

1.50 0 -Group 4. with & /b trip

0
U1.00

X .75 [

.25

.2 .4 .6 .0
MACH NUMBER

Fig. 14. Maximum lift v3. Mach number; all data, 2 106 Re 107.

E. Shock-Wave Position

As noted in the Introduction, there is so little overlap in the specific transonic test conditions of

the myriad experiments, that most comparisons are necessarily limited to force and moment data. However.
some interesting comparisons can be made of the measured shock-wave positions, as this quantity appears to
be particularly sensitive to wall-Interference effects and to errors In Mach number.

Data from 17 experiments at M - 0.80 and a - 0 are plotted in Fig. 15, where X. Is defined as
the approximate midpoint of the pressure rise across the shock wave. In this figure, the open diamond
symbols represent date obtained at sufficiently-large aspect ratios that side-wall boundary layer effects

should be minimal. and the solid diamond is a data point corrected by I. G. Sewall in a private communica-
tion using his theoretical analysis of side-wall effects (211. (The principal effect is to increase the
effective Mach number by about 0.01). The squares denote experiments in which the side-wall boundary
layer was either removed or its effect corrected for. The circles represent the remaining sources, for
which no particular attention appeared to be given to side-wall effects.

The grouping of the data in Fig. 15 is inspired by recent numerical analyses 122,231, which showed
the tendency of three-dimensional viscous effects on airfoils in wind tunnels to move the shock wave for-
ward of its two-dimensional position. This explanation is tepting for some of the data with unreasonably

mall values of X., but data from several other sources without side-wall treatment appear 'norml.*

Neither does there seem to be any systematic effect of other factors, such as boundary-layer trips or the
mount of tunnel slot or perforation openness. Although the majority of the results seem to lie between

Xs - 0.44 and 0.40. the overall scatter is disturbing, and the actual roason for It remains a mystery.
Therefore, this is yet another area where the key experimental Information that would be valuable for CVD

code validation Is not satisfactory.

.. ... .... ,n. . l / i li
W



1-13

-t 0OAS 0.02
Hmrs.;no trip
Nard.;: With trip
Hard.6 cuoete by Sevali
V14L AR - 0; trip
Midmteka6 AR - fic no trip
Vang, A-33- 0; no tripf ' MoDhvil t & 0unc. uiie-wall suotio. imo trip

lawe. .me-wel siwiloa no trip
*ObsAn .Me-waDl sucion. no trip

SeweAl WO correted for e&v.bL; trip
* Swell. blO, correted. tor uw..; trip

Sizek eaiM walft Al. 7 no trip
'0 wyes dotted wall%, AUb-1A- with & s*o tripti

U Lee (h pordi ou s . all. AB B1o ri

KraLft. adaptive porous walls; AU.I no trip
Gregory & UVby Slatted wafls AB-L4; trip
Narier Etalk. celoulatlons. fully turbualent

.3

Lo, Re.

171g. 15. Shade-wave position vs. Reynolds number at M 0.80 and =0; all data.

IV. SUWRY ANDC CONCLUSIONS

Results from more than 40 two-dimensional wind-tunniel experiments have been critically examined and
analyzed.* Sadly, the scatter in the total ensemble of data is unacceptable in the author's view, and It
is not readily apparent which of these results are correct. It is clear. however. that the requirements
for flow quality and data accuracy set forth in AGARl) Advisory Report 184 141 are seldom met In airfoil
testing.

The results of this investigation also suggest that no single existing experiment is adequate either
for defining the comlete aerodynamic characteristics of the NACA 0012 airfoil, or for validating CFO
codes.

Nevertheless, the aggregate of available data is extremely useful. A systematic screening process
has been used to help define the relative mrits of the various experiments and to filter considerable
useful.* quantitative Information from the confusion. Correlations of key parameters with lHach aid
Reynolds njubor have also narrowed the uncertainty In the airfoil section characteristics to acceptable

* levels, and the judicious use of airfoil theory and numerical calculations permits extrapolations to be
made into regimes where herd evidence Is sparse. This combined Information serves three Important func-

* tions. first, it allows individual experiments to be critiqued with more wonidence than heretofore;
second, it allows the complete NACA 0012 airfoil characteristics to be estimated more precisely. Third,
the synthesized results presented in the figures and equations can be used o establish the credibility of

* individual airfoil facilities.

On the basis of both completeness and accuracy. the experiment of Harris 151. chosen by #ight 1 l6j in
his recent validation exercise for viscous transonic airfoil analyses, emerge& as the mast satisfactory

*TabUltions of the data presented in this paper ae available from the author upon written request.
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single investigation of the oeentional MACA airfoils to date. Harris' range of flow conditions is not
nearly as coaplete as desired, and the accuracy of the data was not evident a oriori, as lift-interference
corrections on the order of 159 were proposed for the angles of attack. Hmaver, the present study Indi-
cates that Harris' estimates of this phenomenon are. in fact, adequate, at least for low angles of attack.
and that most other maJor sources of errors were minimized. On the other hand, the author is persuaded by
the arguments of Nr. W. 6. Sewall (211 that some side-wall boundary-layer interference existed. Therefore.
it Is strongly recomended that this be corrected for before using Harris' data for CFO code validation.

As discussed in Section 111. the values of lift-curve slope and minim" drag I| subsonic flow can now
be established with high confidence In the Reynolds number range 106 < Re < 3 . 10". The behavior of
these key quantities can also be estimated throughout the trensonic regime and up to low supersonic Mach
nuabers, but with rapidly-deteriorating confidence above N - 0.8. The issue of self-induced oscillations
and the possibility of negative values of C. In the range 0.85 4 N < 0.90 need further

investigation. A better definition of the biavior at and above 14 - I would be useful for CFD code
validation.

The variations of CA with N and Re can now be specified with a moderate degree of confidence.

and the data from most of available sources are surprisingly consistent above 14 - 0.4. This conclu-
sion appears to contradict folklore. conventional wisdom, and recent numerical studies of wall
interference.

On the other hand, the behavior of the maximum lift-to-drag ratio and shock-wave position is not
nearly as well defined, and both these quantities appear to be Particularly sensitive to wind-tunnel wall
effects and turbulence. Therefore, additional studies under carefully-controlled conditions are strongly
recommended. It is also suggested that both of these quantities would be especially Important criteria
for CFD code validation, If they could be reliably established by well-documented experiments.

Finally, the results of this investigation indicate that measurements, corrections, and/or treatments
for all four walls of the test section are essential for any reasonably-sized model under transonic flow
conditions. Although results from some facilities appeared to suffer more than others from wall-
interference effects, no facility that failed to address the potential problems on all four walls provided
data that could be judged entirely satisfactory.
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Ohio State University kindly provided explanations and tabulations of unpublished date, and their generous
assistance is deeply appreciated.
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Table 1. NACA 0012 - Summary of Experiments -- Group 1

SOURCE MACH Re (106) TRIP ? TUNNEL CHAR. REMARKS
range range Xt

1. Abbott et al.; 0.07-0.15 0.7-26 yes & no solid walls linear wall corrections;
"Std. R" AR - 0.75-6 very low turbulence;

Langley LTPT h/c- 1.9-15 excessively thick trip;
possible minor side-wall

boundary-layer effects
data available: C, C-, Cd. (L/)max., tmex

2. Ladson; 0.07-0.36 0.7-19 yes & no solid walls linear wall corrections;
Langley LTPT AR - 1.5 very low turb. at low M;

Xt-O.05 h/c - 3.8 possible minor side-wall
boundary- layer effects

data available: C., Cm, Cd. (L/D)max, Ctimx

3. Gregory and 0.08-0.16 1.4-3 yes & no solid walls linear wall corrections;
O'Reilly; AR - 3.6 with & w/o side-wall

NPL 13'x9' varying h/c - 5.2 boundary-layer control

data available: C,, Cm, Cd, i.e. Cp. (LID)mex, C ax

4. Green & Newman; 0.5 - 0.8 9 yes adaptive walls four-wall corrections;
Langley 0.3m TCT AR - 2 moderate turb. level

Xt - 0.05 h/c - 2

data available: C,,, Cdo (low a only)

References for Table I:

la. I. H. Abbott and A. E. von Ooenhoff: Theory of Wing Sections, 1959.
lb. A. E. von Doanhoff and F. T. Abbott, Jr.: NACA TN 1283. 1947.
Ic. C. C. Critzos. H. H. Heyson, and R. W. Boswinkle, Jr.: NACA TN 3361, 1955.
2. C. L. Ladson: NASA-Langley, private communication.
3. N. Gregory and C. L. O'Reilly: NPL Aero Report 1308 (ARC 31 719), 1970.
4. L. L. Green and P. A. Newman: AIAA Paper 87-1431. 1987. and private communications.
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T.ble 2 - Summary of Experiments -- Group 2

SOURCE MACH Re (106) TRIP ? TUNNEL CHAR. REMARKS
range range Xt

5. Harris; 0.3 - 0.86 3 - 9 yes & no slotted walls large a corrections;
Langley 0B TPT AR = 3.4 possible side-wall boundary

Xt-O.05 h/c - 3.4 effects on X. & Cd

data available: Cn, Co. Cd. Cp, (L/D)mex, X,, limited CtuaMX

6. Goethert; 0.3 - 0.85 2 - 6 no solid walls wall and end-plate corrections;
DVL 2.7m W.T. AR = 2.6 turbulence level -1I;

h/c - 5.4 some flow asymmetry
data available: C,. Cm. Cd, Cp

7. Sheldahl & Klimas 0.1-0.2 0.35-1.8 no solid walls linear wall corrections;
Wichita St. 71401 AR - 2.4-6 some flow asymmetry;

h/c= 5.6-15 0 o 180
data available: Cp, Cd. (LID)mx , Clmax

8. McCroskey, et al 0.1-0.3 1 - 4 yes & no solid walls linear wall corrections;
Ames 7'xlO' No.2 AR - 3.5 continuous dynamic data

Xt - 0.01 h/c = 5

data available: C1, C,. limited Cd, Cp, (L/O)mx

9. Bevert; Poisson 0.06-0.11 1.1.2.2 no solid walls linear wall corrections;
Quinton & de Sievers; AR = 1.3 Tu < 0.2%

SI.Ca 3* h/c = 4

data available: C., Cm, Cd, CP. (L/O)exC.

10. Wortmann & 0.07-0.17 0.3-2.5 no solid walls side-wall suction;
Althaus; Techn. AR = 1.5-3 very low turbulence

Hochs. Stuttqart h/c- 5.5-11 early C1  suspect

Lam. W.T.

data available: C1. Cd, (L/O)mx, C1mex

References for Table 2:

5. C. 0. Harris: NASA TM 81927. April 1981.
6. B. H. Goethert: NACA TM-1240, 1949; Nat. Res. Council (Canada) T-27, TT-31, TT-38, 1947;

RAE TN Aero 1684, 1945.
7. R. E. Sheldahl and P. C. Klimas: Sandia Nat. Labs Report SANO8O-2114. 1981.
8. W. J. McCroskey, K. W. McAlister, L. W. Carr. and S. L. Pucci: NASA TM 84245, 1982.
9&. A. Bevert: ONERA Doc. 76/1157.AN. 1972.
9b. Ph. Potsson-Quinton and A. de Sievers: AGARD CP-22, Paper No. 4, 1967.
10a. F. X. Wortmann: AGARD CP-102, 1972.
lob. 0. Althaus: Instftut fur Aerodyn. und Gasdynamik, Stuttgart. private communication, 1987.
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I-STable 3 Sumary of Experiments -- Group 3

SOURCE MACH Re (106) TRIP ? TUNNEL CHAR. REMARKS
range rowg Xt

11. Bernard-Guelle; 0.325 3.5 no(?) solid walls side-well suction, care-
ONERA R1.Ch AR - 0.67 ful study of side-wall

h/c - 3.3 effects
data available: limited C1. C.- Cd

12. Sawyer; 0.3 - 0.85 3 -6 yes & no slotted walls a. N. and curvature
ARA BrxlB* AR - 1.6 corrections; poss.

Trans. W.T. t.0.07 h/c - 3.6 side-wall boundary

data available: C,. Cd, Cp C,,ax. (L/)gax. Xs ae fet

13. Vidal et al.. 0.4 - 0.95 1 yes porous walls thick transition strips;
CAISPAN 8' AR - 8 slight flow angularity;

xt-0.1 h/c -16 minimum Interference
data available: C1. Cm. Cd. Cp. (L/D)max. limited C,1 a . K5

14. McDevitt & 0.72 - 0.8 2 - 12 no solid walls contoured walls, wall
Okuno; AR - 2 pressure meas.;

Ames Hi-Re Channel h/c -3 side-all suction;
unsteady measurements

data available: C,1 . Cp. xs (low a only)

15. Gumbert &. 0.7-0.8 3 -9 yes & no slotted walls a corrected;
Newman. AR - 1.3 side-wall boundary-layer

Langley 0.3m TT Xt-0.05 h/c - 4 corrections

data available: CJ, Cdo (low a only)

16. Takashima, 0.6 -0.8 4 - 39 no slotted walls wall pressure-rail meas.;
Sawada at al. AR =1.2 -2 poss. side-wall b.l.

MAL Transonic W.T. h/c =4 -6.7 effect on shock position;

data available: CIL. Cd. Cp. K5 (low a only)

17. Sewall; 0.3 - 0.83 4 - 9 yes S. no slotted wells a and side-wall
Langley 6" x 28" AR - 1 - 2 b.l. corrections

(revised) Xt-0.08 h/c. 4.7-9.3

data available: C1., Cie, Cd, C1,x X,

18. Lowe 0.63-0.82 15-38 no perfor. walls 22% perforation, side-well
General uyn. Hi-Re AR - 1 suction;
20 Test Sect. HSWT h/c. 4 uncertain a corr.

data available: C,. Cd. Cp. Xs

19. Jepson; 0.3 -0.9 2 -6 no solid walls linear wall corrections;
Lizak; Carta; AR- 1.7-5.8 multiple entries; various

UTRC 8 h/c-4.7-5.8 models and end plates

data available: C.. Co. Cd, Cp. (L/D)mex. C .Imx 5x

20. Wang et al. 0.7 - 0.9 -3(?) yes perfor. walls porosity adjusted for
Chinese Aero. Inst. AR- 3.2-6.4 min. interference
Transonic W.T. Xt-0.06 h/c-2.6-5.2

data available: limited C1,. Cp. Xs

References for Table 3:

11. R. Barnard-Gualla: 12th Applied Aero. Colloq., ENSHA/CEAT (NASA TT-F-17255). 1975; also
J. P. Chevallier: ONERA TP 1981-117. 1981.,

12. Mrs . J. Sinwyer: Aircraft Research Associates Model Test Note M102/9, 1979.

13. R. J. Vidal. P. A. Catlin, and D. Wd. Chadyc: Calspan Corporation Report No. RK-S070-A-3, 1973.
14. J. S. Mcfevitt and A.F. Cicuno: NASA 11 2485, 1965.
15. C. A. ubert and P.A. Newman: AIMA paper No. 84-2151, 1984.

l~a. H. Saweda, S. Sakakibara. M. Satou. and H. Kanda: MAL TR-829. 1984.
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j Table 3 - Concluded.

16b. K. Takashima: ICAS Paper 82-5.4.4, 1962.
16c. K. Takashima: National Aerospace Lab, also private commnications. 1966 and 1987.

17. W. G. Sewall: NAMA TM 81947, 1961, also private commnications 1966, 1966. and 1967.

18. W. H. Lowe: General-Dynamics Report HST-11-74-1. 1974.
19a. W. 0. Japson: Sikorsky Report SER-50977. 1977.
19b. A. 0. St. Hilaire, at &1: NASA CR-)092. NASA CR-145350. 1979.
19c. W. H. Tanner: NASA CR4114, 1964.
19d. A. A. Lizak: Army Trans. Res. Comm. Report 60-53. 1960.
20. S. Wang, Y. Chen. X. Cui, andS0. Lu: presentation to Sino-U.S. Joint Symosium on

'Fundamental Experimental Aerodynmics.' NASA-Langley, 1967.

Table 4 - Sumary of Experimets -- Group 4

SOURCE MACH Re (106) TRIP ? TUNNEL CHAR. REMARKS
range range Xt

21. Sewall; 0.58 - 0.92 3 - 4 yes slotted walls data corrected for thick
LaRC 619" AR - 1 side-wall boundary

Xt-0.06 h/C - 3.2 interference but not
data available: Cn,- Cd,- X, lift interference

22. Noonan It 0.35 - 1.0 1-10 yes & no slotted walls 4 corrected;
Bingham.* Ladson; AR - 1.0 side-wall b.l. effects on

L&RC 6'x2g* Vt -0.1 h/c - 4.7 Shock position and C1mex
data available: C', C', Cd, Cp. (L/O),ex, C V5

23. Ohman. et al; 0.5 - 0.93 17-43 no porous wells 20% porosity;
NAE 5' x 5' AR - 1.3 side-wall suction;
with 20 insert h/c - 5 data slightly asymetric;

Mach No. corrected herein
data available: Cd,. CpI VS at s-0

24. Thibert. et al; 0.3 - 0.83 1.9 -4 no porous walls large wall corrections, but
ONERA S3.Ma AR - 2.7 wall press. measured;

h/c- 3.7 thick side-wall b.l.
data available: C1. Cd. Cp, VS

25. Scheitle & 0.36 - 1.6 3-10 no slotted walls suction on all four walls,
Wagner; lldT PMinchen AR - 1.6 variable with M to

Univ. Bundeswehr h/c - 3.4 match other facilities;
mderate turb. level

data available: C.., Cdmn (L/D)mx,. C1

26. Jepson; 0.3 - 1.08 2 - 5 no slotted walls large lift interference
NSROC VX10I AR - ?.5

h/c - 5.3
data available: C., Cm,, Cd, (L/D),. C am"

27. Lee, at al; 0.2 - 1.06 2 -12 no porous walls independent plenus for
Ohio State 6*x221 AR - 0.5 - 2 top and bottom walls
Trans. Airf. Facil. h/c- 0.9-7.1

data available: C., Co. Cd, (1I0)max. C smax*V 5. limited Cp

28. Prouty; 0.34-0.96 3 - 7 no slotted walls large lift Interference;
LAC 15*x46 AR - 1.6 poss. side-well boundary

h/c 4.6 layer effects;
h/c ~ ~ a flo &. n, symmetry

data available: Ca, C. Cd. (L/O)mx. C 9ax

29. Gregory It 0.3-0.85 1.7-3.6 yes slotted walls probable wall effects
Wi lby; AR - 1.4 on all data

Mft 364xl4* Xt-0.02 h/c - 3.6 fairly large roughness

- ~.,data available: C., Cm-, Cd, Cp. (L/D)M,. Cam X

L. j
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Table 4 - Concluded.

3. Kraft & 0.8 -0.9 2.2 no adaptive walls variable porosity and
Parker; AR - 2 hole angle:

AEOC 1-T h/c - 2 no side-wall treatment

data available: Cp, Xs

31. Triebstein; 0.6 - 1.0 1 -3 no porous walls no corrections applied;
DFVLR to TWlT AR - 5 unsteady measujrements

h/c - 5
data available: Xs. CP

3?. Ladsoo. 0. - 1.1 1.5 -3 no slotted waells c. corrected for lift
LaRC 6"x19" AR - 1.5 interference but not

h/c - 4.8 side-wall boundary layer
data available, Cn, C'. Ci,. surface oil flow. schlieren

33. Ladson; 0.8 - 1.25 2.7 no slotted walls no corrections applied
L RC ATA 4"xI1 AN 1.0

data available: Cn 
/ 4.

References f or Table 4:

21. Wl. G. Sewall: AIAA Journal, Vol 20. Ho. 9, pp 1253-1256, 1982; also private communications
1985, 1986, and 1987.

22a. K. Wl. Noonan and G. J. Bingham: RASA TM X-73990, 1977.
22b. K. Wl. Nloonan and G. J. Bingham: MASA TP-1701, 1980.
23. J. Thibert. N4. Grandjacques, and L. Ollean: AGARD AR-138, Ref. Al. 1979; also private

commnication from L. Ohman, 1981.
24. J. Thibert. M. Grandjacquies, and L. Ohman: AGAE) AR-138. Ref. Al, 1979.
25a. H. Scheitle: Inst. fur Luftfahrttechnik und Leichtbau, Universitat der Bundeswehr M~unchen

Institutsbericht Mr. 87/2, 1987.
25b. S. Wagner: Universitat der Bundeswehr Munchen. private comunications. 1981.
26. Wl. 0. Jepson: Sikorsky Report SER-50977. 1977.
27a. 3. 0. Lee, G. M. Gregorek, and K. 0. Korkan: AIMA Paper No. 78-1118, 1978.
17b: N. 3 erela n .N rgrk Ohio State University, private commnications, 1987.

r28.R Prouty : "Aerodynamics,* Rotor & Wing International, Aug. 1984, pp. 17-22; also private
commnications 1982, 1984, and 1987.

29. N.Gregory and P. G. Wilby: ARC CP-1261 (NPL Aero Report 017). 1973.
30. E. M. Kraft and Rt. L. Parker, Jr.: AEDC Reports Th-79-51, 1979, TR-60-63, 1981.

31. . Trebstin:3. Aircraft, Vol. 23. No. 3. pp. 213-219, 1986.
3.C. L.Ldo:NASA TO0-7182.,93

33. C. L. Ladson: MACA RN 1.57F05, 1957.
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Table 5 - Experiments examined but not used -- Group S

34. J. Stack and A. E. von Doenhoff: MACA Report 492. 1934 (NASA-Langley 11I HST; solid walls, severe
blockage effects).

35. R. Jones and 0. H. Wlli ms: ARC RAN 1706, 1936 (PL Compressed Air Tunnel; effects of surface
roughness and Re on wings; AR - 6).

36. E. N. Jacobs and A. Sherman: MACA Report 586, 1937. and Report 669, 1939 (MACA-Langley VOT; AR 6;
high turbulence level).

37. H. J. Goett and W. K. Bullivant: MACA Report 647, 1938 (NASA-Langley 30'x60' Full-Scale VT; AR - 6.
low turbulence).

38. J. V. Becker: ACA Wartime Report L-682. 1940 (NASA-Langley 8' HSWT; transition and skin-friction
measurements at high Re).

39. A. E. von Doenhoff: NACA Wartime Report L-507, 1940 (NASA-Langley LTT; boundary-layer and
miniiau-drag measurements vs Re).

40. r K. Feldman: Techn. Hochsc. Zurich Mitteilungen aus dem Institut fur Aerodynamik. No. 14. 1948
(Ackeret's High-Speed Wind Tunnel; transonic measurements on wings; AR - 3.3).

51. L. K. Loftin and H. A. Smith: MACA TN 1945. 1949 (NACA-Langley LTT; low lift values, not symmetrical
for positive and negative angles of attack).

42. J. Stack and W. F. Lindsey: NACA .Report 922. 1949 (NASA-Langley 24" HST; solid walls, variable AR).
43. L. K. Loftin: NACA TN-3241. 1954; P.J. Carpenter: MACA TM-4357. 1958; C.L. Ladson: NASA TO 0-7182,

1972 (NASA-Langley LTPT using freon).
44. J. Ponteziere and R. Bernard-Guelle: L'Aero. et l'Astro. Vol. 32, 1971-8; (ONERA RI.Ch before side-

wall studies).
45. A. G. Parker: AIAA Journal, Vol. 12, No. 12, pp. 1771-1773, 1974 (Texas ALM 7'xlO'; large airfoil,

comparison of open and closed test section).
46. N. Pollock and B. 0. Fairlie: ARL Aero Report 148. 1977. and Aero Note 384, 1979 ARL Variable-

Pressure WT with slotted and solid walls; large corrections, but pressures measured on solid walls).
47. K. W. McAlister, W. J. McCroskey, and L. W. Carr: NASA TP 1100, 1978 (NASA-Ames 7'x1O' 02; large

airfoil; unsteady measurements; with and without end plates).
48. F. W. Spaid. J. A. Dahlin, F. W. Roos, and L. S. Stivers: Supplement to NASA TM 81336, 1983; L.

Stivers, NASA-Ames, private comeunications (NASA-Ames 2'x2' TT; large lift interference; incomplete
results available).

49. Q. Zhang: presentation to Sino-U.S. Joint Symposium on "Fundamental Experimental Aerodynamics,"
NASA-Langley. 1987 (NanJing 0.6xO.6m HSWT; detailed study of alternative interierence corrections).

50. R. J. Hansmen and A. P. Craig: AIAA Paper 87-0259, 1987 (NIT l'x1' LTWT; comparative study of the
effects of trips and rain at low Re).
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EXPERIMNTS ON TIM DM-14 WING DOWY ONFIGURATION
IN SEVERAL EUROGPEAN unNIPTUENELS

G. Redeker and N. OIhler, DFVLR*
P.R. Ashill, 3A54
A. Sloenaar, 3T5**
V. Schmitt, ONERA++

Deutsche Porscongs- und Vereucheantalt fUr Luft- und Raumfahrt s.V. (DFVLR)
Viughafen D-3300 Braunschweig

+ Royal Aircraft Etablishment (RAE)

~~~.O - Bedfo: NK41 '65AaS eda

Anhn okkerweg 2. HL-10S9 CHAstra

++ Office National d'!tudes at de Recherche* Aeroepatiales (ONERA)
29. Avenue do la Division Leclerc, r-92320 Chatillon

S W'AR

*Under the auspices of GARTSUR (Group for Aeronautical Research and Technology in Europe)
an international research programs was carried out in order to improve design methods
for tJhreedimensional configurationa in transonic flow and to increase the confidence in
windtunnel data. The selected configuration was the DFM R-P4 wing-body combination incor-
porating a transonic wing of high aspect ratio and a fuselage of Airbus type.

This paper deals with the experimental part of the exercise. where the Barns model of the
above mentioned configuration was tested in three European transonic windtunnels: HST of
NLR. 82MA of ONURA and Uft x Sft of RAN. The tests followed an agreed test programse
comprised force and moment measurements as well as measurements of pressure distribution
on wing and fuselage. Selected test results from the three windtunnels will be compared,
the main emphasis of the discussions being placed on the comparison of results from dif-
ferent vindtunnels on physically the same model. The results show that the data of the
three windtunnels are in reasonable agreement, although the severe accuracy requirements
of industry for judging performance data from different windtunnels could not be met.

BOTATIONS

b wing span L length of fuselage

a b/2 wing semispan D diameter of fuselage

S wing reference area 14 freestream Kach number

leading edge sweep a angle of attack
angle

Re Reynolds number based
on c

sweep angle of quarter
125 chord line CL lift coefficient

c local wing chord C14  pitching moment
coefficient with

caerodynamic mean chord reference to M25

6 relative local wing co drag coefficient
thickness

spanwie coorinate coefficients of
y spnwie cordiatefuselage alone

-y/s, ETA dimensionless spanwise
coordinate cLW~cM.cD coefficients of wing

alone
x/c dimensionless chordwise

coordinate, origin at
the leading edge cn local normal force

coefficient
A - b

2
/8 aspect ratio of wing C oa icigmmn

taper ratio coefficient

cp static ressure

in the 1950 MMAD selected a number of calibration models in order to compare results ofA
different transonic and supersonic windtunnels (1]. As these models hardly exhibit a

9 - ~ similarity with transport aircraft a simple configuration of this type was proposed by

Y
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ONZUR [2] in 1970. This model was chosen as calibration model and had been tested in
various transonic windtunnels all over the world [3]. As the accuracy and quality
requirements of the aircraft industry on windtunnel results have become more demanding in
the recent years, mainly due to a severe competition in commercial aircraft production,
the need for further investigations in this direction on a configuration more similar to
a current subsonic transport aircraft was felt to be necessary.

Thus, in order to improve transonic design methods for three dimensional configurations
and to increase confidence in windtunnel data, a cooperative aerodynamic research pro-
gramme was initiated under the auspices of GART R. In the Action Group AD(AGOl) "Wing
body aerodynamics at transonic speed*" a series of aerodynamic investigations on a wing
body configuration had boon proposed incorporating experimental investigations in the
transonic windtunnels of NLR. QUSl und AM, as well as computational studies with the
beat available computer codes for threedimensional transonic flow.

The model chosen for this exercise was the DFVLR-?4 wing body configuration incorporating
a auporcritical wing of high aspect ratio and advanced design [4,5]. This paper
summarizes the main results of the experimental part of the GARETSUR study.

The experimental investigations on the DFVLR-F4 wing body configuration were made in the
transonic windtunnels ELI-HST (6], ONERA-S2MA [7] and RAE-Sft x 8ft [8] following an
agreed test programme, and comprise force and moment measurements, surface pressure
measurements on the wing as well as on the body contour and measurements for deriving
buffet onset data from rms-values of wing root bending moment and wing root and tip acce-
lerometer.

This paper compares selected test results from the three windtunnels. In the following
section the DFVLR-F4 wing body configuration will be described, followed by a short des-
cription of the windtunnels and test arrangements used for this exercise. After the dis-
cussion of the test programe and presentation of the data selected for comparison, a
detailed discussion of the comparison between the results will be presented. The main
emphasis of the discussion is placed on the comparison of results from different windtun-
nels on nearly physically the same model rather than on the aerodynamic performance of
the DFVLS-F4 wing body configuration.

2. EXPERINMTAL AUANGEMENT

2.1 Model Configuration

The model which was used for the exercise in the GARTEUR Action Group AD(AG01) is a wing-
body configuration (DFVLR-F4) which was designed and built by DFVLR. It represents a
typical configuration of a modern wide-body transonic transport of Airbus-type. Fig. I
presents a general view of the model including the main dimensions.

The design Mach number of the wing is M - 0.785 at a lift coefficient of cL - 0.5. The
aim was to achieve at the design point a nearly shockfroe pressure distribution on the
upper surface combined with an elliptical spanwise lift distribution [5]. The wing sec-
tion derives from that of the airfoil DFVLR-R4 [4]. The wing surfaces were generated by
using a linear lofting procedure between four defining wing sections at q = 0.126 (wing
root), q - 0.4 (kink at the trailing edge), n = 0.7 and n - 1.0 (wing tip).

The main geometrical data of the wing are as follows:

Aspect ratios A = 9.5
Taper ratios X 0.3
Loading edge sweep: * 27.1
Sweep of quarter chord line 'P25 251
Wing thickness at root: 5 0.15

outer wing: 6 - 0.122
Wing spen: b - 1.1754 m
Wing reference area: S - 0.1454 m

2

Aerodynamic mean chord: c - 0.1412 m.

The shape of the fuselage of the model is shown in a sideview in Fig. 2. It is formed by
a forebody including a cockpit, a cylindrical part containing the wing and an afterbody.
The main dimensions of the fuselage are as follows:

Length of the fuselage: L - 1.192 m
Fuselage diameter of the
cylindrical pert: D - 0.14842 m

The location of the wing relative to the fuselage is indicated in Fig. 1.

2.2 Model Construction and Measuring Equipment

The windtunnel model comprises two wings and a fuselage which can be separated in the
vertical plane of symmetry. These components are mounte on a central core which also
contains the housing for the six-component force balance. The fuselage shells were manu-
factured from aluminium alloy whereas the wings are made of steel. Inside each wing there
is a cavity either for pressure tubes or other equipment (see below) which is covered by
a flush-fitting plate on the lower surface.

7 X.
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Concerning the measurement equipment the right wing in equipped with 252 pressure ports
of 0.3 ma diameter at the seven spanwiss stations v - 0.185. q = 0.238. n - 0.331,
n - 0.409, n - 0.512, q - 0.636 and I - 0.844. Bach station contains 36 pressure ports.
23 on the upper and 13 on the lower surface (cf. Fig. 3). The left wing was equipped by
ONRA for unsteady measurements, that is a strain gauge near the wing root to record the
wing root bending moment and two accelerometers to measure the normal acceleration at the
wing root and near the wing tip.

The cylindrical part of the fuselage is provided with 44 pressure ports in the vertical
plane of symmetry equally spaced on the upper and lower line of the fuselage
(cf. Fig. 3).

3. TSaS IN THE DIFFERURIT MINDTUUKL

3.1 Windtunnels and Test Set-up

All three windtunnels us" in this exercise are continuous running transonic facilities

which are well-known in Europe. All test sections are located within a pressure shell and
the windtunnels can be pressurised. Thus, Mach and Reynolds numbers can be varied inde-
pendently of each other. Fig. compares the cross-sections of the test sections of:

NLR - H8T: 1.60 m x 2.00 m
ONZRA - S2MAt 1.75 m x 1.77 ,
RAE - ft x aft$ 2.44 m x 2.44 m.

It is obvious that the cross-sectional area of the RAE-Oft x aft windtunnel is nearly
twice of the area of the two others. All three windtunnels have different types of test
section wallet

ULR-HT: slotted top and bottom walls with 12% open area ratio,
closed side walls

OKERA-828 U perforated top and bottom walls with 6% porosity,
closed side walls

RAI-aft x 8ft: closed walls

In all three windtunnels the model was mounted on a sting-support: but it was not possi-
ble to use the same sting in all facilities. As shown in i NLR-HST amd OPERA-S2MA
used a z-ating arrangement of nearly the same size. For t .- installation only minor
model modifications concerning the cavity in the afterbody for the sting and the central
core with the balance housing were necessary. In the case of the RAK-8ft x 8ft tests a
central sting support had to be used. For this installation, a new afterbody and a
different central core had to be manufactured, the latter change being necessary because
of the different diameter of the balance used by RAE. Careful inspection of the two
central cores ensured that the geometrical set-up of the models was the same in the
various facilities.

3.2 Transition Fixing of the Boundary Layer on Wing and Fuselage

During all measurements reported here the model was equipped with transition strips on
wing and fuselage. The location of the strips on the wing itself was a result of oilflow
tests during the first test series in the ELR-HST windtunnel. Extensive discussions
within the action group finally lead to the strip location shown in Fig. 6. This was a
compromise between the need to fix transition upstream of the shock over a wide range of
Mach numbers and the requirement for a number of test cases suitable for CFD assessment
where the boundary layer was not separated at the trailing-edge crank.

On the upper surface the strip location varies linearly from 5% chord at the wing root to
15% chord at station 4, near the crank, maintaining this value to station 7 (n - 0.844)
and then varying linearly to 5% chord at the wing tip. On the lower surface the strip is
located at 25% of chord everywhere.

On the fuselage the strip is located 15 me aft of the nose. All strips have a width of
2ms and were made from carborundum grits of different size.

On the fuselage the transition strip remains the same during all tests and was not re-
placed. It comprised from carborundum of grade K 150 (0.089 me.

For the wing it was decided to optimize the grit sizes of the transition strip in each
windtunnel, thus taking into account differences in flow quality and windtunnel noise.
The optimisation took place, separately for upper and lower surface, at M - 0.78 and
cL - 0.6 by determining the smallest grit size for the strips which produced turbulent
boundary layers just aft of the strip.

In the XLR-ES? mnd ONBRA-82NA windtunnels the effectiveness of the strips were checked
, ~ using a sublimation technique, whereas in RAE-Oft x Oft windtunnel a technique was used

beed on observations of the variation of drag with Reynolds number at a given lift .

coefficient.

, ,,.I l I I l l
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Thus, the following grit siaze were used at Re - 3.106:

upper surface lower surface

NLR-HSt K 180 (0.074 ma) K 240 (0.053 mm)
ONKRA-82NA K 220 (0.060 ) K 240 (0.053 ma)
Ria-Sft x Oft K 220 (0.060 mm) K 180 (0.074 mm)

In order to ensure that the strips were applied in a consistent manner their application
was supervised by the second author in all three windtunnels.

3.3 Test Programsm

The windtunnel tests were carried out after an agreed test programme. The main Reynolds
number for all tests was Re - 3-106. Besides the optimization of the transition strips,
force and pitching moment measurements for the complete model and the fuselage alone have
been carried out for lift coefficients in the range of 0.1 < cL < cLmaz at Kach numbers
0.6 < N < 0.82. At the same conditions unsteady measurements have been made with the aim
of establishing the buffet-onset boundaries.

Pressure measurements on fuselage and wing have been carried out at various fixed lift
coefficients of the complete model for a range of specified Mach numbers.

Furthermore a limited number of tests have been done at a lower Reynolds number of
Re - 1.5.106. In this paper only the results of Re - 3.106 will be discussed.

3.4 Data Evaluation and Compilation of Results

Each establishment reduced the data to coefficient form after applying the usual correc-
tions. These corrections differed from windtunnel to windtunnel and are briefly summa-
rized here:

Correction applied to NLR-HST ONRA-S2NA RAE-8ft x 8ft

angle of attack

0 sting and balance deflection + + +

due to aerodynamic load.

* upwash + + +

5 wall interference - *) + +

Mach number

9 wall interference - ) + +

drag coefficient

0 buoyancy drag + *)

0 sting influence +

t wall interference -) + +

5 be pressure -- +

C) tunnel to tunnel comparison indicated that wall interference is negligible

small for this size of the model
SC) from empty test section including sting and sting support

All data from the different windtunnels have been compiled for comparison purposes by
DFVLR.

4. COMPARZSO OF RESULTS

In the following sections only some selected results of the whole measurements will be
presented to demonstrate the main conclusions of this exercise.

4.1 Force and Pitching Noment Measurements

The prosentation of force and Moment measurements is restricted to the Mach number
" , - N= 0.75 which demonstrates the main features of the comparison.

'XI
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shows the comparison of the curves cL vers. a n• T cv--, O for the comlet
In general, the agreement is quite satisfactory for the cl, vers. a curves.

Closer eminatic show differences ft low tL-Values, cL - 0.2, where the angle of
lfttack of the H-esurement is approxate & e r than that of the other to tnof The
or lft x Oft feasuremnt. This difference decrease with increaniny lift coefficients
and disappears at cL > 0.G. A similar behaviour can also be observed at the other Mach

numbers not shown hre. In the region of higher lift coefficients - near are- so"
dosepaies he"O . Whereas T and 82A measuthe oare asonable auredent in
this reinM, the cL-values of the ft x tft m dasuremets have their first break at a
lft coefficient whch in AcL - 0.02 lower than that of t heer two windtunnaels. Thecomparison of the pitching moment coefficients c N vats. cL shows in the whole region

uof lift coefficients significant differences, although the tendency with L is nearly
the mssm for all three windtunnelm. The most negative pitching moment coefficients are
observed in the Oft x 8ft-windtunnel, whereas the corresponding values measured in the

SHOT and S2Mh windtunnels are less negative and the differences are in the order of
I AcK - 0.006 and AcK - 0.011, respectively at c L - 0.5. These deviation* are partly

due to the differences in the model mounting and will be explained later.

For the same Mach number N - 0.75 the drag polar& are compared in Fig. 8. Between the
different windtunnels a deviation of drag coefficients of AcD - 0.0005 can be found at
minimum drag coefficient and of AcD - 0.0008 at a cL - 0.5. These deviations decrease
with increasing Mach numbers and vice-versa. The same situation is valid for the curves
normal force coefficients cN vers. axial force coefficients oT (not shown here). In
order to understand the differences between the results from the different windtunnnls,
fuselage alone tests have been made. The model mounting is expected to exert most influ-
ence on the flow in the region of the afterbody, the effect diminishing rapidly with
further distance upstream. Therefore first-order effects of the model mounting are elimi-
nated by analysing wing-alone force coefficients established by substracting the fuse-
lags-alone results from those for the complete model at given angles of attack,

e.g.: cLW -cL- CLBI cDW -cD -cDBand cMW -cK - cMB

Looking at the wing lift coefficients cLW vers. a curves at N - 0.75, F! 9, one can
state that the differences in angles of attack have decreased and are into region of
unseparated flow as - 0.05.. The situation of the wing alone pitching moment coefficients
is also illustrated in Fig. 9. Owing to the increasing nose-up pitching moment
coefficient cm of the fuselage alone with increasing angles of attack, the tendency of
the wing alone results is changed compared to the complete model results for the wing
alone pitching moment decreasing with lift coefficient.

Significant differences occur between the results of the three windtunnels which are not
fully understood in detail. Although the deviations are smeller than those for the com-
plete model a surprising feature should be noted. Despite the fact that the model mount-
ing in ULR-HST is more like that in ONERA-S2MA than that used in RAE-Sft x 0ft, the data
from VLR-HST are in better agreement with those of RAE-Sft x Oft.

If one analyses the drag polars presented in Pi 10 one can state that the differences
of the drag coefficients of the wing alone resuets have decreased in cosparison with
those of the complete model. At cL - 0.5 for this case a difference of AcDW - 0.0006 can
be found.

It should be noted here, that the differences shown in cLw_ - I c 1W- or cDw-values are
higher than the theoretical accuracy of the measurements quoeed by each establishment.
This is especially true for the pitching moment coefficients.

The agreement of force and moment coefficients from the windtunnels of NLR-HST, ONERA-
S2MA and RAB-Sft x Oft is not sufficient to satisfy the requirements of the aircraft
industry [9]. In order to compare and to judge different wing designs, tested in dif-
ferent windtunnels, the aircraft industry requires an accuracy of AcD - 0.0005 and of
AC-K 0.001.

4.2 Comparison of Performance Boundaries

In this section the dragrise boundaries and the buffet onset boundaries of the complete
model tests in the three windtunnels will be compared.

From the drag polar* the dragrise Mach numbers have been evaluated. For constant lift
coefficients cL - 0.3, 0.4, 0.5 and 0.6 the drag coefficients of the complete model
have been plotted yore. Mach number in .11. This figure again demonstrates that the
drag coefficients from the three windtue can differ by a value of A0D - 0.0010.
Despite these discrepancies the dragrise Mach numbers ND, evaluated after dcD/dV-0.1
are nearly the same for the three windtunnels except for the value of cL - 0.S where
the RAE-measuraments indicate a somewhat lower dragrise Mach number in the order of
AN - 0.008. The same behaviour can be noticed if one evaluates the wing alone data.
Although the differences in drag coefficients have decreased to AaM < 0.0006 nearly the
same dragrisoe Mach numbers as for the complete model results can be round.

The dragrise boundaries are presented in FIIIM12 as loci in the cL-N plane. In the same
figure the buffet onset boundaries are prii~i~ which have been derived from the rme-
values of the unsteady signal provided by the wing root accelerometer. For several con-
s tant ach numbers the rte-values have been measured as a function of angle 6f attack.

. . . . ' r . . .
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The brekpoints of these curves are used to define the lift coefficients for buffet
onset. The curves of the three windtunnels indicate that in the moot interesting region
of Mach numbers 0.75 < N < 0.8 a reasonable agreement has been achieved. The difference
in lift coefficients at N - 0.75 is in the order of A - 0.02, which increases with
increasing Mach number. For 14 > 0.6 the results of O;%-82A indicate a buffet-free
region below a cL-valua of cL - 0.47. whereas the measurements of LR-HOT and RAE-Oft
a Oft show & further decreasing buffet-free cL-value with increasing Mach number.
Buffet onset boundaries have also been derived from steady state force and moment measu-
rements, where a certain deviation in coefficient after the first appearance of a break-
point in the corresponding curve is used as criterion. Furthermore the ra-signals of the
wingtip acoelerometer and the wing root bending strain gauge have been used for determi-
ning buffet onset. The differences of all buffet onset boundaries derived using the
various techniques in one windtunnel are in the same order of magnitude as shown in
rig. 12 for the various windtunnels.

4.3 Comparison of Pressure Measurements

1 presents the comparison of the wing pressure distribution at the seven spanwise
Wth ns for M - 0.75, Re - 3.106 and a lift coefficient of cL - 0.6.

Thea" conditions correspond to one of the three test cases chosen from the GARTEUR action
group for computational purposes. The pressure coefficients presented in this figure are
Measured at cL - 0.6 in the windtunnels of HST-NLR and ONBRA-S2MA, whereas for the
RA-8ft x Oft windtunnel the c -values shown are interpolated between values of lift
coefficient in the neighbourhooZ of 0.6. In general, there is an excellent agreement
between wing pressures on the lower surface and for the region of subsonic flow at the
upper surface. Where there are differences they can be explained by pressure holes be-
coming blocked or demaged during the course of this exercise. In the region of supersonic
flow the agreement is still reasonable although differences in shock wave position are
evident on the outer part of the wing. At the outer wing station (v - 0.409) the shock
wave positions of the NLR-HST results appear approximately Ax/c - 0.03 to 0.05 more up-
stream than those of the OVERA-S2MA results, which provide the most downstream shock
locations. This effect results in a higher wing loading at the outer wing for the ONERA-
82MA experiments which will be discussed later.

rg14 presents the pressure distributions for the same case at the cylindrical part of
thefuselage. They are in good agreement.

From the wing pressure distributions given in Fig. 13 the local normal force coefficients
cn and the local pitching moment coefficients with respect to the local quarter chord
line ca have been evaluated and plotted in rAg. 15. Whereas the local pitching moment
distribution vers. span from the three different indtunnels is in reasonable agreement,
the normal force coefficients of the ONERA-82MA results are somewhat higher in the outer
part of the wing than those of ELR-HOT and RAE-Oft x Oft. This behaviour can also be
observed at other cases not shgwn here. These discrepancies could not be explained by
blocked or damaged pressure holes. Although the overall lift coefficient of the complete
model should be the same the wing loading at the outer wing seems to be different in the
various windtunnels. This effect could not be explained.

*Despite these differences one can state that the measured pressure distributions are a
quite useful datum-set of a modern transport aircraft configuration for assessment of
computational methods.

5. CONCLUSIONS

*In the framework of GARTEUR an European research programme has been carried out on a
schematic configuration of a modern transport aircraft. In order to compare experimental
results of the same model measured in the main transonic windtunnels in Europe the
DFVLR-F4 wing-body configuration was tested in the NLR-HST, the ONERA-S2MA and the
RAE-Oft x Oft windtunnel. After an agreed test programme overall forces and moments,
pressure distributions on wing and fuselage and buffet onset data have been measured. A
comparison of selected results of the best available data for each windtunnel has been
presented.

For the complete model this comparison reveals typical differences in the order of:

ha < 0.1"
AcD• 0.0010
Aq4( 0.015.

Half of these differences can be explained from differences -f the fuselage alone tests,
indicating that model support and buoyancy effects are of some importance. Pressure dis-
tributions compare very well, although differences in shock position can be as large as
5 of local chord. Although the agreement is reasonable, the results do not meet, alto-
gether the accuracy requirements of industry, stated as AcD - 0.0005 and Ac" - 0.001.
The situation is improved, at least for the drag coefficients, if one looks to the wing
alone data. But at present, a comparison of various wing designs, tested in different
windtumnelo does not seem to be possible with sufficient accuracy.

. Nevertheless, the present set data is quite useful as a datum-set for computational exer-
ciss on a modern transport aircraft configuration.
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In order to avoid some of the shortcomings of the present exercise and in order to reduce
the doubts arising from different experimental set-ups it is recommended for future com-
parisons

Use exactly the same model in all windtunnels including model support and instrumenta-
tion.

Preserve model state the same in all windtunnels (smoothness and cleanness of wing sur-
faces).

Intensify investigations on model support and wall interference effects.
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COMPARISON OFTHE RESULTS OF TESTS ON A30AIRCRAFTIN THERAE 5METRE AND THE ONERA F1 WIND TUNNELS

by

Office National d~tuds et de Recherches Adropatiales
BP 72 - 92322 Chitillon Cedex, France

P.S. EARN4AW
Royal Aircraft Establishment, Aesrodynanics Department

Farnborough Hants, Great-Britain

SUMMARY

Studies of the A300 Airbus aircraft have been carried out in the pressurised low-speed wind tunnels at RAE (5
metre ) and ONzRA Fl. Initially comparison of the results obtaine in the two facilities, with the same model
mounted on an Identical three-strut support, showed discrepancies which in the case of lift coefficient amounted to
about 2.5%.

At the request of Airbus Industrie, and working within the framework of the Anglo-French Aeronautical
Remearch Programme, AFARP, ONERA and RAE then began a systematic comparison of their measurement techniques
together with the methods used in the reduction of the resulting data.

The production of uncorrected aerodynamic coefficients requires the measurement of loads by means, in this
case, of underfloor balances and of the reference pressure. Checks were carried out on the balance calibrations
confirming their accuracy after which an attempt was mde in both establishments to assess and refine the accuracy
of the refeece pressure measurement. As a result of this exercise, corrections were applied to the measurements
made in both wind tunnels which reduced but did not eliminate the differences between the two sets of results.

The date reduction relies on corrections to be applied for tunnel wall interference as well as that from the strutsupport sytm Comparison of the calculation tehnique used at the two tunnels showed some differences in the

evaluation of certain terms resulting from wall constraint. Discussons have enabled agreement to be reached on
defining a common basis for application of these corrections.

Support interference effects form the subject of a O 'lur Action Group study and both wind tunnels have
representatives who serve on this Action Group. As a result of this common interest, a large number of tests carried
out at RAE together with calculations made by both organistions have now led to very similar corrections.

Taking account of all these modifications including the measurements of reference pressure as well as

corrections for wall and support interference, the results on lift and drag on the A300 which have been provided by
the two tunnels now show good agreement confirming the accuracy of the measurement techniques and the broadfesmework of the corrections.

I. INTRODUCTION

Check tests of the performance of aircraft from the Airbus series have been carried out in various majorsubsonic and transonic Europaan wind tunnels. Among the low-speed tunnels, the RAE 5 metre and the ONERA F1

play an essential role since their pressurisation up to levels of three and four bars respectively allows a study of the
effects of Reynolds number on the aerodynamic characteristics at constant Mach number and this permits a more( reliable extrapolation to flight Reynolds numbers.

Both oranisstions have a common interest in demonstrating that their results are independent of the wind
tunnel in which the tests were carried out. Evidently this interest is shared also by the aircraft manufacturers who~might wish to plan teat series in either tunnel.

It was within this context that a test was set up in 1981 by Aerospatiale in order to repeat in the F1 the same
performance measurements of the A300B as had already been carried out at RAE. During their construction phases,the possible need to exchange models had already been forseen. In particular, both tunnels have underficor balances
which are capable of mounting models by using what are essentially identical three-strut support systems. On its
side, the 5 metre tunnel had constructed what might be regarded as a calibration model of the A300B aircraft early
in the lifetime of the tunnel with a view to carry out an eventual programme of flight-tunnel comparisons. This model
was made available to the PI for their own test p roramme. This paper aims therefore to describe the methods of test
at both ONBRA and RAE, the results obtained, and the critical study of the test and data reduction techniques which
has enabled good agreement to be achieved.

. MODRL AND TEST
2.1. Wind tnes

The ONRA F1 wind tunnel at Toulouse (Figure 1). and the RAE 5 metre wind tunnel at Famborough (Figure
2), are the two m1 European presurised low-speed facilities. They were designed to allow studies of Reynolds
number eec e erodynm s hi-teonfigrrttons use for landing and take-off.

The test seetion ofthe 5 metre is 5 x 4.2 m' and that of the Fl is 4.5 x 3.5 mt. Maximum stagnation preure is
bn in t l1 and 3 1.. Conasquently, the maximum Reynolds number clculated with a

reference legth f 0.1 on are is imilar In the two tunnels ; it is achieved for Mach numbers
beween 0.a snOd 0.3 correspending to those fortake-offandlending S).gur,3.

Civil aircraft models studied in the two tunnels typically have a span of around S metres, and a reference chord
ofaroundO.4m .

I,/ ' ,, . . •
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- ~2.2. Support sse

e=t m ; are used in the low-speed tunnels in order to enable the desired model attitude to beacieed zaplsamdrw i iusm 4.

?irstly, there s the classical sting suppoft using a qudrant. several variants are available for the form the
sting including a cranked stg a shown in the pv from the 5 metg and t blade atinq shown in the r t .
all therestr are arried onant uterlor balan the strut shown he in the F where thi is often used for
studies oflaterai dammters, (this u epport alindg happlication otboth incidence and yaw.

Alternative-, as also shwn in Fi 4, bot tandem and three-strut mounting arrangements may beemployed in whih came, in normal use, t truts ame prtilly shielded from the airflow by guards attached to the
test section floor in order to reduce the tane loads on the struts.

The tile-rstut mounting scheme which was in fact used for the comparative tests described here is shown in
more netil in Fiuwe 5 G used in the F s. Incidence variationt ac ed by ing the length of the rear strut and

Fi naly struhse m cud on euid i balance which inath rI is fumed rom a ive plate supported from an
earthed i l te by six dynamometers (three vertical ged three horizontal) each fitted with two strain pup bridge$.

The three s system is in fact sa copy of that used t RAE although shortened both in the struts themselves
and their wind shieds to allow for the reduce height ofthe F1 working section.

Inthe cas ofthe metre the underfloor balance is x-ompont, seff-balancing weightoam type ofbalane
which is considered to offer inherently higher acrracy and abilty to resolve smaller increments of load in the
presence oflarge tare loads than an internal strain h ute balance.

The model used in the two test proramnn is Mode 121.2, 1/3 scale model of the Airbus A emnB. This model
has a steel wing equipnel uth variou asig air systems representative ofthoe on the full-scale wircra i

Fat the leoding e o:igrougers and he-at the trailing edges, flaps and all-sped ailoran*.

ThU spolers and air brakes were not used during the RAE / O.NERA comparative tests, nor have there been any
test with a horizontal tail.

The nacelles usd were GE CP6.50 with short tilpipes, attached to the wing with M6 pylons.

Finally, the yoodel could be equipped with a main undercarriage under the wings together with a forward
tricycle undercarriage.

The various configurations of the slats and flaps studied in the two tunnels are as follows:

landing 25/25 undercarriage both raised and lowered
take-off 16/8 undercarriage raised
t8 ke-off 1610 u 14dercarrige raised.

(the first number corresponds to slat angle and the second to the flap).

al Since both facilities have the means to vary Reynolds number at constant Mach number, an ability whichenbe h eut to beextrapolated to flight Reynolds numbers with better accuracy, lifting surfaces in most cases

are tsted without the use of transition fixing In order to avoid the problems of ecaling the roughness element to suitthe Reynolds number. This was so in this instance; there was therefore no question that differences between
messurements in the tunnels could occur as a result ofidiffernces in application ofsa transition trip on the wing.

Th For each of the configurations tested, the sensitivity to Mach number and Reynolds number was indeed studied.
Th comparative tests between the F1 and the 5 metre were as follows:

Fl 5 metre Configuration 7 Re X 104

155 10015,13001 2&1#25 *UCD 0.20 6.6
40 13002 2&125 0.20 6.6

126 10028 16/0 0.30 6 .6
116 10029,13020 16/8 0.26 a8.2
86 13014 16/8 0.24 6.6
88 16/8 0.24 7.6

where *UCD indicates a configuration including udercarriae mnd where the ffrt two columns give the records
allocated in the two facilities to the particular polar being caml. d

, :,, , Figure 6 shows the overall dimenion ate eq n diaih eZ n5 o, testsotions. iur
7' s-h? ows a plvowiph ofe typical cofiguration in the 5-stres

. A,
ka:,
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: - 2. DISCUSSION OF RRSULTS

Figures 8 and 9 show the results obtained in both tunnels for two typical landing and take-off cases, other
conditio=s being esntially the same.

The lift coefficient C obtained at RAE is systematically higher than that at Fl and the lift curve slope itself is
also greater at RAE, the re~htive discrepancy being in the range 2.5 -3.0%S.

Tht drag coefficient CD at any particular C. is lower at the RAE than at ONERA, the drag polars being more"open at the RAE.
Finally, the is a slight difference in the position of the aerodynamic centre as deduced from the pitching

moment curves.

These discrepancies were too large to ignore and required that an immediate inquiry was made into their
origins. The Anglo-French cooperative group, AFARPI, was given the task of seeking the source of errors in either the
measurements themselves orin their interpretation.

Now, an aerodynamic force coefficient is the ratio between the force measured on a balance and the product of
the dynamic pressure %4 = 1/2 p V02 with the reference area S of the model:

F
% = qoS

The errors in the measurements themselves can therefore arise directly from the balance measurements and/or
from the dynamic pressure. Les directly, interactions can arise through errors in the measurement of the model
attitude relative to the approaching airflow whose direction of course defines the drag axis.

The coefficients are next corrected for the interference due to the presence of the walls on the one hand and of
the supports on the other. These corrections are large and differences in the methods can contribute to discrepancies
in the final results.

A systematic study was therefore mounted at both RAE and ONERA in order to:
- to detect yossble errors in the measurement of both forces and reference pressure,
- to establish the differences in the methods ofcorrection and ifposible to converge on a common technique.

3.2. Review of measurements

Force measurement

An obvious cause of error in the measurement of forces would of course be to use a balance for which the
calibration had changed slightly. Check calibrations were consequently carried out on both the F1 and 5 metre
balances and established that the accuracy was better in both cases than 0.1%. This leads, at the maximum dynamic
pressure for which comparative tests were carried out (13 kPa), to the following maximum errors on the coefficients
In the FI:

ACL = 0.01
ACD = 0.0010
AC = 0.009.

The repeatability of the measurements is better because it eliminates the systematic errors due to hysteresis
which affect the accuracy. An example of the level of repeatability from the Fl in Figure 10.

In the 5 metre tunnel, the maximum errors in coefficient terms are rather less, reflecting the better match of
the model to the balance and tunnel. Thus:

ACL = 0.005
AC0 = 0.0011
AC. = 0.0015.

Checks on the calibrations of both of them balances have been carried out on both lift and drag axes using
calibrated weights and pulleys. They showed no evidence of deviation outside of the expected limits on repeatability.

In conclusion, therefore, checks on the calibrations have shown no way in which the force measurements
themselves could provide any systematic discrepancy.

Measurements made of both the lift and pitching moment must of course be corrected for the model weight.
With this correction, the remaining forces are purely aerodynamic; these include the forces on the exposed parts of
the support struts.

The strut tares are obtained in both tunnels by force measurements on the struts in isolation. Corrections to the
coefficients, CL, Co and C., are then calculated and these subtracted from the total values.

Figure 11 shows the comparisons between the drag tares measured in the FI and in the 5 metre . The
agreement is excellent. Measurments in both wind tunnels suggest that it is advisable to correct CL by 0.01; this
correction was not taken into account at the Fl. Consequently a correction ACL =0.01 for Fl is included in the
comparative tables of corrections arising from this comparison.

ilNl
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Reference pressure measurement

The reference pressure and speed are measured in the F1 by means of a pitot-static probe at the entrance to the
test section.

The static pressure derived from this has been calibrated with respect to that existing on the tunnel cente ligne
by means of an axial probe five metres in length. These measurements showed the existence of a slight strearwise
p re gradient; the static pressure from the reference pitot-static probe is then corrected for the discrepancy from
the true satic pressure at the quarter chord point.

This correction had been applied at the time of the ASOOB tests. However, it has been supposed at the time that
the total pressure was uniform across the test section. In the course of/this comparative study, checks were carried out
which demonstrated that the total head distribution is somewhat "dished" across the test section. While the source of
this variation is unconfirmed, a similar non-uniformity in the 5 metre tunnel is known to result from the losses
induced by the screens in the non-uniform flow approaching the contraction. Neglect of this head Ices leads to an
overestimate of the dynamic pressure and thus to an underestimate of the coefficients by around 0.5%. Thus:

= 0.005

which has to be added to the results in the Fl. L

After checking the static and total pressures, there remained the need to check that the measured references
were not subject to interferences from the model flow field; that is to say that the reference pitot-static was effectively
at infinity upstream. This check has been carried out in the FI by comparing the usual reference pressures with those
measured at 2.4 metres further upstream on the contraction wall, these latter being themselves calibrated with
respect to the pressure on the test section centre line using the long axial probe.

The results were almost identical implying that the entry plane to the test section is indeed effectively at
infinity upstream.

In the 5 metre tunnel, a standard elliptic nosed static probe, such as had been used satisfactorily for many
years in low-speed wind tunnels at RAE, had been used to carry out the tunnel calibration. However, in the course of
the comparative study, it transpired that at the higher Reynolds numbers per metres for which the tunnel had to be
calibrated, boundary layer transition occurred over the sensing holes. The turbulent boundary layer gave rise to
about 0.75% increase in pressure sensed and this led to an effective decrease in measured dynamic pressure. This
effect is shown ir Figure 12, where the function o plotted is the ratio between the pressure drop in the contraction to
that measured by "he probe with suitable corrections applied to allow for compressibility. During earlier tests this
step change had been translated into a smoothed gradual change over the tunnel operating range. At the typical test
point considered later in section 4, the error relative to the new accurate calibration is 0.8% giving-

S= - 0.008

Mean flow upwash

In both tunnels, the flow angularity had been measured by inverting calibration models. In the F1, tunnel
geometry had not been changed, it was possible therefore to confirm that the zero value of the mean upwash was
accurate.

Unfortunately, in the 5 metre tunnel where the mean upwash had been measured as-0.09*, the non-uniformity
of upwash had been considered unsatisfactory and a high quality honeycomb had been installed before the
comparative test programme had begun, reducing the mean upwash to zero. Although there seems no reason to
question the earlier value, it is now no longer possible to confirm it. It should be pointed out however that in order to
rovide an accuracy on lift of0.1% at CL = 2, the upswash should be accurate to 0.02* while to provide an accuracy of
drag counts would demand an accuracy on upwash of0.015*.

S.3.Review of corrections

Wall corrections

The results of the wind tunnel measurements have to be corrected for the interference generated by the test
section walls and by the model support system.

Wall constraint corrections in subsonic flow comprise corrections to the approach velocity or blockage
corrections and corrections to the upwash or incidence corrections. Figure 13 gives an example of the different
corrections applied successively to a polar for the ASOOB in the Fl.

Blockage corrections themselves comprise solid blockage, wake blocka e and separation blockage. Expressions
with varying degrees of sophistication lea'to the following values for the solid blockage:

dVo
- = 0.00456 aitheFi1w
Ve

dVO
0= 0.0056 attherl

These two values should roughly be inversely related to the relative cross-sections of the tunnels to the power 3/2.
The residual error ofaround 0.1% is evidently not a major contribution to the discrepancies between the tests.

n *i
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Incompressible calculations modelling the far field ofthe wake by means of a source lead to the equation:

dVo  S
- = Co

where S is the model reference area and C is the test section are This equation was used in the two tunnels but, at
the RAE, C. was taken to represent the minimum profile drag whereas, at ONERA, the total drag was used. After some
discussion, it was agreed that it would be more appropriate to choose the part of the drag corresponding to the
difference between the total drag and the vortex drag, for conditions where there were no extensive areas of
separation. Thus:

dVO S C"4

where the subscript c indicates corrected results, A the aspect ratio and k is a calculated value for the induced drag
factor.

The third term in the blockage correction takes account of the effective increase in model volume generated by
the p of regions of recirculating flow. Basically the same correction is used in the two tunnels and is based on
that derived by Maskell. Give that this is by and lge applied only in the immediate neighbourhood of the stall,
there is even less likelihood ofsubstantial differences arising from this source.

In addition to the blockage velocities, the presence of the walls also modifies the local upwash velocities, and
consequently the effective incidence of the model.

Evidently the upwash velocity generated by the presence of the walls varies over the whole wing. It is
convenient to interpret the effect of this interference field as an increment in incidence for the same lift coefficient. To
achieve this, classical theory indicates that the upwash must be calculated at the 3/4 chord point of any streasnwise
section. The mean effect of the wing as s whole must then be suitably weighted for the value of the local chord at any
spanwise poeition.

The early results from RAE were in fact corrected on the basis of the upwash calculated at the 1/4 chord line.

The values of the correction in the two cases are:

An = 0.502 CL at 1/4 chord

Au = 0.586 CL at 3/4 chord.

giving:

gvn : AC = (!S A 0.1 (0.58 - 0.502)CL

- = 0.0084
CL

which must subtracted from the RAE results.
Finally, the application of this correction to incidence results in a rotation of the axes of the measured force.

Thus:

CL= C'L Co Ac. C', sin Ac
CD = CuL sin A + C'D 0cos A

When applied at the F1, the term C'D sin a used to correct CL was neglected. In fact this term is not negligible and
should be subtracted from the Fl results. Thus, typically.

ACL= 0.009 atC L = 2

Strut corrections

In the absence of any information on the interference which the support system induces on the flow around the
model, RAE began an experimental study of the support interference, while ONERA and Adrospatiale undertook a
theoretical study of the flow about the support system.

Since the A300B model had been designed to permit support by both a three-strut rig and a tail-mounted sting
support using an internal six-compoent train-guge balane RAE assese the effects of strut interfernce by
mounting the model on an internal balance in the preence of dhe fairings frn the strut support system, the strut
tares themelvs being measured in the absence of the model.

No attempt was made in the course of these tests to assess the near-field interference (largely of the wake of the
strut tops with the flap flow) by including the strut heads on the model since, at the time when it was carrying out it
experimental assessment of strut interference, RAE like ONERA was concurrently attempting to calculate the
interference field of the support system; this was thought to be feasible only in the far field. In the presence only of the
strut guards, however, interference simply of the far field was involved which enabled the results to be analysed
using only the lift interference to establish the upwash and stremwash.

The effects of the strut interference as deduced from the experimental pIroramme were interpreted as arisn
from modifications both to the mean streamwise velocity and to the mean incidence seen by the wing. Figure
shows the extent to which this simplified interpretation agrees with the experimental data as well as with the
Adrospetanle .alculations.

.4s:
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The min results from the Atrospatiale calculations using a panel method are presented in Figures 14 and 15.

The horizontal component ofinterference velocity is expressed in the form of a pressure coefficient Cp which, in
compressible flow, is equivalent to the variation of dynamic pressure dqo/q. Figure 14 shows the variation of pressure
along the length of the fuselage; in the first analysis of the A300B tests at the Fl, a mean value of the dynamic
pressure waschosen to correspond to that calculated for the mean 1/4 chord position, namely dq./q. = 0.010.

In a similar manner, the upwash velocity induced by the support ystem varies markedly both along the length
of the model as shown in Figure 14 and along the span as shown in Figure 15 where the upwash is plotted as an
increment in incidence. As for the blockage velocities, these results were analysed to provide a mean incidence
calculated at 1/4 chord giving a value A = 0.22?.

These two corrections lead, at fixed incidence, to correction to CL given by:

At= 0+ CL q
dm Lq0

Figure 16 shows the differences in corrections to C between the RAE experimental results and the theoretical
results calculated specifically for the three-strut rig in tRje 5 metre test section. In addition to the curves, RAEs own
calculated fit to the data is also given. At the time of these tests, this was equivalent to the single values for blockage
and upwash velocities independent of lift. These values for ACL used by RAE in its programme of data reduction are
lower than those used at the F1 by about 0.01.

On the basis of this comparison then, it seems fair to conclude that the support corrections used in the two
facilities were broadly similar at least so far as the lift is concerned and did not contribute substantially to the
discrepancies found. However this is not true of drag which is rather more sensitive to the accuracy of the upwash
angle than is the lift. In this case, as has been noted above, at the Fl, the upwash was calculated at the 1/4 chord line
rather than the 3/4 chord line resulting in an error of 0.09" leading in turn to a significant correction to the drag of:

ACD = CLsin O.09 = 31 X 10"4 at CL = 2

This modification in upwash correction from 0.22* to 0.13* then gives substantially better agreement on the drag as
shown in Figure 18. For consistency, a corresponding additional small correction has to be made also to lift:

ACL = 0.009.

Now a comparison of results from different facilities however relies on the application of a common standard of
support corrections, not necessarily an accurate one. Consequently, the same form of correction using a single value
for Aci and for dq./q. has been adopted in each tunnel.

---------------------------------------------------------.-----

a dq0 /q WT

0.156 0.014 5 metre
0.130 0.010 F1

--------------------------------------------------------------.

These values give rise to an improved collapse of the experimental results over those used initially. They result
from a rather better choice of mean values and follow in part from a detailed study of support interference carried out
byan Action Group Working within the framework of GARTeur. Despite the agreement however, it remains possible
that significant common errors exist in the measurements since the near-field interference from the strut top has not
been treated in this comparison.

4. TABLE OF CORRECTIONS- NEW COMPARISONS

A detailed study of the various sources of difference between the results of the tests on the A300B in the F1 and
5 metres wind tunnels leads, for lift, to the following balance sheet, in which points from polar 88 in the Fl and from
10064 for the 5 metre are considered. In each case, a CL near to 2 has been chosen.

Source of correction Fl 5 metre

- corrections to balance loads 0 0
- corrections to support tares - 0.01 0
-corrections to dynamic pressures +0.01 -0.016
- correction to wake blockage +0.015 -0.002
- correction to incidence 1 -0.008 -0.017

2 +0.009 0

--- --- -, --- ----------- l ll- -

+ 0.019 .0.0115

-- - - - - - - - - - - - -- - - - - - - - - - - - -- - - - - - - - - - - -

>~fa~aa
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In each colun, a series of ACL is listed which are either to be subtracted (-sign) or to be added ( + sign) to the CLcalculated whn the first comp on were made (Figure 8). From this table, the discrepancy is reduced by 0.054, or
2.7% local CL B iv its originai value of around 0.06- 0.07.

Some difierenee between the curves for CL shown in Figure 17.a) and b) remain but these are clearly less than1 with the exeept om ofthe poet-stall region.
The dil--es [ -C2 / 11A] shown as a function odinidene In Figiure 18 now appear to be around5 xi exe10 for the an kapprohing the stall and ane typical of the normal level of accuracy of themeasurmets

L CONCLUSION

Some con-sderable giart has been spent at both ONUA and RAE to ensure that the quality of the measurementscaried out in thi lan 6 metr tnnels should be v high. kne existence of differences between the two sets ofwhat should have been Identical, fullY corrected data led theref to an immediate effort to identify, and then
remedy, the sources of these diffarenoeg

As a result of the present comparative programme, a series of modifications to the procedures both in usingreferenceprneuresandnapplyin eorretions ror wall and support interferences have been Introduced. Followingthe modnl=cao . correed, slt and drag measurements on the A300B which have been produced in the twotunnels now show very good agreement, conflrminif the accuracy of the measurement technique and the broadframework of the correctfons. Evidently, there remains the posibilty of errors which are eonmon to both series ofmeasurements, among which may be some arising from interference between the top of the struts with the wing flow,since in this cae both tunnels have used essentially the same correction technique.
It is relatively rare that the opportunity to carry out a direct comparison using the same model on the sames upport is possible in two different tunnels, In tis case, it was psible due to the close contact between the two

aesin teams t nughout the constructin phases f the two tunnels. However, even with this advantage of directcomparability of measurement, the effort involved in undertaking the detailed re-examination must not beunderestimated. The check calibrations of the balances, and m importantly of the tunnels, the design of new
probes, and step-by-step comparisons of the calculatons and application of wall and support interference correctionshave been time consumng but, as the results show, very rewardnng.

With the benefit of hindsight, it might be felt that the changes which have now been shown to be necesssr' areobvious but in several of the cases involved here, they are applied to procedures or techniques which have en
carried over from other wind tunnels where they have worked adequately, or at least have not been criticised in thepast, and have consequently not demanded re-examination. In view of the present experience, it seems probable thatsuch inadequacies may exist elsewhere but are likely to come to light only as a result of very exhaustive re-
examination.

4

t, 
, , - m m m m ] • m m l U m J |



Fig.?I- As" viw of F I ieiend hin.

____7

,~Awn



3-9

Re 10'9
8

7 5 metre6

4 Fl

3
2

0 0.1 012 0.3 Me 0.4

F9. 3 - lPedn _WOWc o 5 Mint WWd pI
(R adon 0.1 A AEAofT. 150'C),

Fig. 4..... M Wjipe4pn ~pm av&ft in F1
nd 5 rmetr ind hmnvk



3-10 

-
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ANALYTICAL AND ITINPAL T S USE TO
RESOLVE THE AERODINAMIC RESULTS OF TESTS ChIUCTD

IL THREE TEST FACILITIES

Rose D. Clark
Manager Advanced Aircraft Aerodynamics

and
H. J. Rosenstein

Senior Manager Aerodynamics

BOEING VERTOL COMPANY
Philadelphia, Pennsylvania 19142

U.S.A.

1.0 ABSTRACT

This paper describes the work performed to fully understand and validate the V-22
Aerodynamic drag and stability data base developed through extensive wind tunnel testing
Early drag and stability aerodynamic testing showed differences in characteristics when
comparing results from different test facilities. A joint Bell-Boeing/Navy plan involv-
ing a thorough understanding/refinement of test techniques, facility calibrations and
application of computational methods resolved these issues and permitted validation of
the data base.

2.0 NOTATION

c Wing Chord ' Ft
a Oswald's Efficiency Factor

q Dynamic Pressure % P.S.F.

Axial Force Coefficient , CAF A.F,/q S
CD  Drag Coefficient % CD = D/q S
CL Lift Coefficient % CL = L/q S
C La Model Lift Curve Slope 1/deg

CNF Normal Force Coefficient , N.F./q S
CM Pitching Moment referred to 25% Chord % Cm = N/q SC
CP c Pressure Coefficient
N.P. Aircraft Neutral Point % Chord
S Wing Reference Area ' Ft 2

SUBSCRIPTS

Max Maximum Lift
Min Minimum Drag
OL Zero Lift

0 Pitching Moment at Zero Lift

REF Coefficients referred to Baseline values of Test No. 3

3.0 INTRODUCTION

The V-22 "Osprey" is a multiservice, multimission tilt rotor aircraft suitable for a
wide variety of missions and uses advanced but mature technology in achieving this
capability. It is designed to takeoff and land like a helicopter and fly like a turbo-
prop airplane - reaching high speeds and high altitudes and possessing long range caps-
bilities. Significant increases in performance are obtained with a short rolling take-
off using partially tilted nacelles. These unique flight characteristics are possible
because the pilot can control the direction of the thrust vector by tilting the nacelles.
The large wing tip mounted rotors can be tilted through more than 90 degrees, hence the
nam tilt rotor. An artists impression of the V-22 is shown in Figure 1. The aircraft
is currently in full scale development with first flight scheduled for mid 198. This
program will reshape the rotary wing industry as we know it today.

In December 1981, the Defense Department identified the tilt rotor as a possible candidate
to meet the Marine Corps' new aircraft needs and initiated the V-22 program (originally
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called JVX). In June of 1982, a Joint Technology Asmesment Croup determined that the
tilt rotor had potential to meet the needs of all four military branches and a memorandum
of understanding was completed amog the services by December. The missions identified
included Marine medium assault transport, Navy/Air Force combat rescue, Army cargo and
medical evacuation and Air Force special operations; all of which benefit from the tilt
rotor's speed and range capability. The U. S. Navy is the executive service for this
development. To respond to these requirements, a team consisting of Bell Helicopter
Textron and Boeing Vertol was formed in April of 1982.

4.0 DEVELOPMENT SCHEDULE

In April of 1983, the V-22 development program was initiated by a preliminary design
contract to the Bell-Boeing team. Figure 2 shows the overall program schedule. The
basic program will produce 913 aircraft for the four services with additional appli-
cations already under consideration.

Boeing and Bell share the responsibility for the development of the V-22. Boeing
is responsible for developing the empennage, overwing fairings, fuselage, flight
controls and avionics integration. Bell is responsible for the wing, nacelles, trans-
missions, rotor and hub assemblies and integration of government furnished engines.
Allison Division of General Motors is developing and supplying the engines. Grumman
Aircraft will build the empennage and Lockheed, the wing trailing edge flaps. In
addition, there is substantial other sub-contractor involvement in the program.

5.0 CONFIGURATION DESCRIPTION

Figure 3 shows the V-22's salient design features. Two 38 foot diameter gimbaled rotor
and transmission systems are mounted on each wing tip, powered by 6150 shaft horsepower
Allison T406-AD-400 engines. The aircraft operates as a helicopter when taking off and
landing vertically. Once airborne, the nacelles are rotated 90 degrees forward which
converts the aircraft into a turboprop airplane. The rotors are synchronized by means of
an interconnect shaft that runs through the wing between the nacelle mounted transmissions.
This shaft also provides power transmission from one rotor system to the other in the
event of engine failure. Auxiliary drives from a center wing gearbox provide power for
hydraulics, oil cooler and electrical generators. An APU drives through the center
gearbox for engine starting. The aircraft folds compactly for stowage aboard ship and
uses an advanced digital fly-by-wire control system. It is constructed of composite
materials and has crashworthy seating for 24 combat troops. The Osprey is capable of
all weather instrument flight, day or night, and continuous operation in moderate icing
conditions.

6.0 AERODYNAMIC DEVELOPMENT

An extensive wind tunnel test program was initiated to support the aerodynamic develop-
ment of the V-22 configuration, establish the aerodynamic data base for flight test of
the full scale development aircraft and reduce overall program risk. The program
included drag models to be tested in both low speed and transonic tunnels, dynamic
models, a large scale nacelle model, a spin model, a powered model for rotor/airframe
interactions and a 2/3 scale rotor for hover rotor performance. Figure 4 shows the
models used in the development. Over 8000 test hours were completed between June of
1983 through June of 1986 in both industry and government facilities. The major por-
tion of the aerodynamic development of the V-22 was accomplished using a 0.15 scale
force and moment model. This model was used to support configuration trade studies
for the general lines of the fuselage, the empennage configuration, sponson shape,
wing-body fairing and trailing edge flaperon geometry. It consists of an internal
steel frame to which fiberglass body shells were mounted along with a removable wing,
empennage, nacelles, and sponsons. Wing flaperons were remotely controllable to max-
inize testing efficiency. The model used an internal six component balance to measure
forces and moments. It was tested three times in the Boeing Vertol 20 Ft x 20 Ft low
speed tunnel (BVWT), once in the Boeing 8 Ft x 12 Ft transonic tunnel (BTWT) and once
in the Arnold Engineering Development Center, 16T transonic wind tunnel (AEDC).

Initial configuration development tests were carried out in the Boeing Vertol low
speed, 20 Ft x 20 Ft wind tunnel (Test No. 1), in September of 1983 to establish the
basic configuration data base. This configuration is shown in Figure 5. The model
used the Boeing "A" balance, and was mounted on a 3.0 inch diameter pre-bent sting
which entered through the lower aft body. Provisions were made for an upper blade
sting which entered the model through the to- of the fuselage forward of the tail.
These support stings were used to establish support system tare and interference
corrections. Flow-through nacelles were designed to establish engine inlet spillage
drag, with the flow controlled by plugs placed in the exhaust. Internal flow was
measured by exhaust pressure rakes and used to establish the internal drag of the
nacelle.
In February of 1984, the 0.15 model was tested (Test No. 2) in the Boeing 8 Ft x 12 Ft

trensonic tunnel to establish incremental high speed aerodynamic characteristics.
The installation is shown in Figure 6, and in the photograph, Figure 7. The sam
configuration and balance used in Test No. 1 were used. The mounting system was
modified to a lower blade type sting. No alternate support systems were used to I,= ' ' ' ,establish support system tare and interference corrections.
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In November of 1984, the model was updated, Figure 8, to represent the then current
configuration for Test no. 3. This required the manufacture of new skino for the
fuselage and sponsons, now empennage and new flow-through nacelles. The nacelles
were precision cast aluminum and contained static and total pressure probes, mounted
internally, just forward of the exhaust. Screens with various density mesh were
inserted just aft of the inlet throat, to control the inlet conditions. The same
sting support system as was used in earlier testing in the Boeing Vertol wind tunnel
was used to mount the model.

The nacelle instrumentation was calibrated at the Boeing Flight Simulation Chamber
on a balance mounted at the front of a pressure chamber which was evacuated to create
flow through the nacelle. The measured forces were correlated with internal pressure
and temperature instrumentation to establish the internal drag corrections during wind
tunnel tests of the complete model.

The model tested in the Arnold Engineering Development Center (AEDC) 16T tunnel (Test
No. 4) in February 1985, was the same model tested at Boeing Vertol during Test No. 3.
The only modifications were the use of a larger capacity internal balance, Boeing "B",
and swept, tapered support stings designed to adapt to the AEDC tunnel sector and to
locate the model pitch and yaw reference centers at the centerline of the 16 Ft test
section for both pitch and yaw runs. Both a lower swept support sting and a swept
upper blade sting were used. The lower swept sting was the primary support, with the
upper blade being used to establish support system tare and interference effects for
the primary support system (Figure 9). Testing was conducted from Mach No. 0.2 to
0.75.

In March of 1986, the last test (Test No. 5) of the 0.15 scale model was made in the
Boeing Vertol 20 Ft x 20 Ft low speed wind tunnel. Virtually the same model was tested
as was used at AEDC for Test No. 4. Modifications were made to reflect minor changes
in the fuselage and sponson lines. The wing, flap system and empennage were unchanged.
The flow-through aluminum nacelles were new for this test reflecting a change to the
exhaust exit area, and were recalibrated for internal drag at the Boeing Flight Sim-
ulation Chamber, prior to the test. The model is shown in Figure 10. For this test,
a new support system sting adapter was made so that the swept support stings used at
AEDC could be used, along with a straight sting more commonly used at Boeing Vertol.

The same large capacity, internal balance (Boeing "B") that was used at AEDC was used
in this test. Extensive tare and interference effects for all three support systems,
(upper swept blade, straight and lower swept stings) were determined on a model compo-
nent by component basis, in a standard model build-up fashion. The support system
configurations are shown in Figure 11.

7.0 PROBLEM STATEMENT AND PLAN FOR RESOLUTION

Throughout the aerodynamic testing, a policy was established where reference runs were
made during the initial part of each test period to tie-in the current test configura-
tion with the previously established data base. These were done to verify the data
reduction program and tunnel corrections/calibrations.

When these tie-in runs were compared for Table 1. Comparison of Initial Aerodynamic
Test No. 3 at BVWT and Test No. 4 at AEDC
(Figures 12 and 13) at the same Mach and Charaerist ModelScRI
Reynold's numbers it was seen that the AEDC
test results were greater in drag than the TEST TEST TEST TEST
BVWT data base. CdlN was greater by 35 PARAMETER NO.1 NO.2 NO. NO. 4

counts, C for Cd was reduced as was (VWT) (W) (AEOC)
overall spin efficigy. Stability from the -

ANDC results as seen in Figure 13, was also uFT CL.9CL2 ,04 1.01 to 1.02
increased. As a result of this comparison, -2." -22 2 Iso -120
all the results from the previous tests with C0OL
the 0.15 scale model were reviewed and are CLUAXCLgAXm. 7 1.0 1.0

summarized in Table 1. Cd. established in
Test No. I was 83 counts rs than Test No.
3 , 1 2 3 co u n t s le s s th a n t h e T e s t No . 2 t ha t MRAG 1ON I48. .7 1048 100 10o 5

was not corrected for support system tare
and interference (T&I's) and 118 counts less 0 .79 A27 Si0 AM
than the fully corrected value obtained
during Test Mo. 4 at the AEDC tunnel. The
83 count difference between Test No. I and LONGITUDINAL MO .14S 170 .1, 20

Test No. 3 was attributed to changed STABILITY NP MS "S 91.? 65
fuselage lines, wing/body fairing, enlarged
sponsons and enlarged vertical tails. The Tel SUPPORT SYSTEM Y:'s NO YES YES
difference between Test No. 4 and Test No. 3
data was not explainable by configuration SALANCE A A A S
differences since the same model was used
for both tests. It should be noted that FLOW-THROUGN PLU je M
aerodynamic increments due to compressibil- NACELLE AMFAE MRMS FCCAK MCCALS
ity were similar at BTVT (Test No. 2) and ,
AEDC (Test No. 4). PJIUAY EARLY POOL

DEMON FS0 POD
The differences in the results at BVWT (Test OcwURATIN OONFUKMT U.
Nos. 1 & 3) were attributable to refinement
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of the general configuration. Data from BDTT (Test No. 2) was used for increments
since no support system T&a data corrections were applied and the model was flown
above the tunnel centerline to achieve increased angle" of attack range.

The 35 count difference in the drag level between BVWT (Test No. 3) and AEDC (Test No.
4) were less easily explained. Since the same model was used in both tunnels, config-
uration differences were eliminated as the source of the drag increase. Extensive
pretest balance calibrations on the Boeing 0B balance were carried out at AEDC, prior
to the test with both a bare balance and with the model installed on the balance in
the tunnel. The remaining sources for the discrepancy could be either with the
application of the support system tares, the Boeing "A" balance used in all previous
tests or with the tunnels th eselves, either in the q measur eent system or with a
tunnel test section pressure gradient.

The rotation of the drag polar (Figure 12) could be effected by the flow-through na-
celle correction, tunnel upflow, or the accuracy of the Boeing "A" balance. The stabil-
ity change (Figure 13) could have been the result of inaccurate support system tares
for the lower swept AEDC sting.

Early in 1985, the Bell/Boeing teem, representatives of the test facilities and the
Navy, met to review the results of the testing and test techniques and to plan an
approach to resolve the differences in the data base. The plan for resolution involved
calibration of the Boeing Vertol and AEDC tunnels, use of computational fluid dynamic
(CFD) methods to correlate the tunnel calibration at Boeing Vertol, evaluation of wall
effects at AEDC and a review of the test approach/technique for the next test scheduled
for early 1986 (Test No. 5). For this test the Boeing "B", large capacity balance, the
same as was used at AEDC, would be installed in the model. Since the nacelle was to be
updated to the latest lines and exhaust area, it would be recalibrated in the Boeing
flight simulation chamber. The Boeing Vertol straight support sting along with the
AEDC lower swept sting and swept upper blade sting would be used to develop an extensive
support system T&I data base to allow configuration component evaluation on all three
support systems.

8.0 RESOLUTION

8.1 WIND TUNNEL CALIBRATIONS

The Boeing Vertol Low Speed Wind Tunnel is designed for V/STOL testing, and has a test
section 20 Ft x 20 Ft x 45 Ft long. It has the capability for running in an open throat
configuration, a solid wall or slotted wall configurations. Air is exchanged in the
tunnel by variable outlet and inlet doors, fore and aft of the test section. For drag
testing, the normal configuration is with the test section walls 12% slotted. Calibra-
tions were made with a 17 ft. static pressure probe located on the tunnel centerline,
with the tunnel in various configurations. Results are shown in Figure 14, where static
pressure coefficients are plotted vs. tunnel axial station for the normal operating tunnel
configuration, including the support system. For a well designed tunnel, the cross-
sectional area should expand to account for test section boundary layer growth and support
system solid blockage, so that the pressure gradient is near zero or calibrated with
sufficient accuracy so that static pressure corrections can be applied to the test
results. The tunnel configurations including test section, probe and support system
were modeled using the VSAERO potential flow
CFD program, (Ref 1 and 2) and the measured Table 2. LCD Dw to Tunnel Static
results were confirmed, (Ref. 3), and are Pressure Gradlent
shown in Figure 15. By using this analyt-
ical technique, it was possible to establish LOWER AEDCthe incremental effects on the tunnel cen- PTWER UER
terline pressure gradient of support system PARAMETER ThAIGHT SWEPT UPPER
components such as: pitch-yaw adapters, tap- STING MOUNT
ered assembly collars, pitch-yaw encoders
and auxiliary actuators mounted on the sup- BASIC FUSELAGE .00196 .00394 .00336
port system.

SPONSONS .00050 .00092 .00080
Using the static pressure gradients, both
measured and calculated, an incremental drag VERTCAL TAdL8 .00013 .00018 .00017
correction was calculated for the primary HORIZONTAL TAIL .00016 .00021 .00020
model components. These increments are gi-
ven in Table 2, for the three support aye- WING AND WING CROWN .00055 .00111 .00094
teas used in Test No. 5. The incremental FAIRING
drag correction, AC varies for the three
support systems since each sting locates the NACELLES .00022 .00037 .00032
model at a different longitudinal station in
the tunnel and imposes a different pressure CDA PRESSURE
gradient over the length of the model. The ORAmNT.,,ER .00352 .00673 .00579
AEDC 16T tunnel was calibrated for static
pressure gradient and showed that the tunnel AC P
was adequately compensated for boundary lay- STATIC PRVSSURE .00370 .0065 .0055
er growth and support system solid blockage. T VSA
ANDC used Ruler CFD codes to compute anti-
cipated tunnel/model interference effects NOTES: SLOTTEDITSTECTION
and correlated this with measured tunnel NO ES: DORS CLOM
wall pressure distributions. This work is
reported in Ref. 4. ALLANESS OF ATrK
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8.2 MOUNTING SYSTEK/TAR AND INTERIERElICE

A major component of the plan to resolve the data di -ferences was the establishment of
the support system tare and interference corrections to be applied to the data. The
approach was to establish T&I's for both support systems used in Test No. 4 at AEDC,
along with the straight support used in the Boeing Vertol tunnel. These three system
are shown in Figure 11. Interference effects were established for all three systems
in Test No. 5, on a component by component basis, as the model was built up from the
body alone to the complete aircraft configuration.

Results of this investigation are given in Figure 16, for normal force, axial force
and pitching moment for the complete aircraft. These results are compared to the
results for the lower swept sting, as measured in Test No. 4 at AEDC. The correction
for the ABDC lower swept sting exhibits the same variations and slope as a function of
angle of attack in all parameters in both AEDC and Vertol tunnels. Only normal force
exhibits a difference in sign, positive at AZDC and negative in BVWT. T&I corrections
for lateral directional data were obtained in both tunnels and no major differences
were evident when they were compared.

8.3 TEST TECHNIQUE

This section discusses those test techniques which could influence the drag polar rota-
tion and stability differences shown in Figures 12 and 13.

The angularity of the tunnel flow in the test section influences the angle for zero
lift and rotates the drag polar. During Test No. 5, the upflow was determined by
comparison of pitch runs made with the complete model upright and inverted. The
resulting drag polars are shown in Figure 17. Using these data, it was determined
that the model induced an upflow of -.18* over the referred CL range of 0 to .6.

As described in section 7, the flow-through nacelles were modified between AEDC Test
No. 4 and BVWT Test No. 5. Both nacelles were instrumented and calibrated for static
and dynamic pressure and temperature at the exhaust plane of the nacelle. This instru-
mentation was used to correlate corrections for the nacelle internal forces to be appli-
ed to the tunnel data.

The corrections to lift and pitching moment are quite small; however, the correction
to drag is significant and is shown in Figure 18. The drag correction at a = 0' is 20
to 25 counts, increasing to 100 counts at a = 20* for the revised lines and 135 counts
for the original nacelle lines used during Test No. 4 at AEDC. The primary reason for
the change in value in the Boeing Vertol Wind Tunnel is the reduced exit area of the
revised nacelle. The variation in the drag with angle of attack results from the change
in the nozzle exit conditions, due to increased tip vortex strength as lift on the wing
increases with angle of attack. This parameter varied greatly as wing trailing edge
flaps were deflected and appropriate corrections were made to the data as determined
by the correlation of the instrumentation results and the flight simulation chamber
calibration data base.

9.0 FINAL RESULTS

In March of 1986, Test No. 5 of the V-22 Table 3. Comparison of Final Aerodynamic
full scale development configuration was CharaCteiSics at Model Scale
undertaken in the Boeing Vertol Tunnel.
This test utilized the 0.15 scale model, and TEST TEST
all of the test techniques and corrections PARAMETER NO. 4 NO. 5
described in section 8.0. Table 3 compares (AEDOC) (BVWT)
the results of Test No. 5 with Test No. 4.
All the aerodynamic characteristics are LIFT 1.02 1.01
quite similar, including the minimum drag 101.
which was the major discrepancy in the pre- a 1.200 1.300

vious aerodynamic data base. The minimum CLM ICL I p. 1.0 1.05
drag is built up in Figure 22 at model scale M.
for the three support systems used at AEDC
and Boeing Vertol and compared to the re- DRAG Cb RZIF " 1.056 1.061

sults from AEDC. Tested results for each
aircraft component are adjusted to account 0 .8428 .8849
for shadow areas. Results from Test No. 5
for the lower straight sting and lower swept
sting, are within three counts of the min- LONGITUDINAL .20 .196
imum drag obtained at AEDC during Test No. STAILIY NP 65.67 63.46
4, and compare very well on a component by
component basis. The drag breakdowns ob- T& SUPPORT SYSTEM YES YES
tained in Test No. 5, with the model mounted
on the upper blade support, compare well for BALANCE a 5
all components with the exception of the
empennage, which is 18 counts less then that FLOW-THROUGH METAL METAL• 'NACELLE SCREEN SCREEN
for the other three support systems. This NEL CALM F8CALM
is a result of the blade affecting the flow
over the aft fuselage and between the twin
vertical tails and is not adequately c- FINALFSD FINALFIO
counted for in the suppo rt system tare and CONFUATIN ONFIGURATION

interference correction.
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Figures 19 through 21 compare pitching moment, lift and drai from Test No. 5 and Test
No. 4. For the complete aircraft, C vs. angle of attack, is in very close agreement.
Stability as compared in Figure 19, khows the same level for all three support systems
in Test No. 5, but slightly less than that obtained in AEDC (Test No. 4) on the lower
swept sting. is slightly offset for each support system. The drag polars, com-
pared in Figure-l7, show the same minimum drag level, as shown in Figure 22 but the
AEDC data shows slightly more induced drag above a referred CL of 0.2.

10.0 CONCLUSIONS

Wind tunnel testing during a large development program will invariably be conducted
in more than one test facility with more than one model, with the inevitable differ-
ences in the data obtained. In the past, data differences were often attributed to
"tunnel" differences or "configuration" differences without any real explanation.
This often led to an incomplete understanding of the data base which resulted in
uncertainties as to the appropriate absolute levels or to erroneous increments. As
the result of the extensive wind tunnel test program, the following conclusions are
drawn:

- Pretest planning and careful design and calibration of the
model, support systems, balances, and instrumentation
combined with considerations of the installation in the
selected wind tunnel will result in a consistent data base.

- Modern computational methods are an invaluable aid in under-
standing and reducing tunnel differences with the same model
by permitting the assessment of the different mounting systems
which may be used in various wind tunnels.

- It is desirable to perform T&I's on a component by component
basis, as part of each test to track absolute differences and
avoid later surprises.
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Figure 1. Artist's Impression of MV-22 Osprey
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Figure 3. V-22 Characteristics

PRgur 4. V-22 Modolling Activity

'V.lk"



4-9

Figure 5. initial 0.15 Scale Model Configuration In Boeing V/S TOL
Wind Tunnel (Test NO. 1)
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Figure 7. 0.15 Scale Model Configuration In Boeing Transonic Wind Tunnel
(Test NO. 2)

Figure &0.15 Scale Model ConfIguration in Boeing VIS TOL
Wind Tunnel (Test No. 3)
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Figure 9. 0.15 Scale Model Configuration in Arnold Engineering
Development Center 16T Wind Tunnel (Test No. 4)
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Figure 10. 0.15 Scale Model Configuration In Boeing V/STOL
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SUMIMARY ~t
~A numerical perturbation technique was employed to compute the aerodynamic coeffi-

cient uncertainties attributable to uncertainty sources associated with transonic wind
tunnel testing. A force accounting system which included data from an aerodynamic
reference test, a noxzle afterbody test, and anl inlet test was established to develop a

lsystema of equatios by which to comput nominal flight values of lift, drag, and
pitching-moment coefficient and also to perform the parameter perturbations necessary to
compute the coefficient uncertainties. Uncertainty estimates included standard instru-
mentation uncertainties along with estimates of either influence coefficients or the un-
certainties for such sources as wall interference, specific humidity, and viscous simula-
tion which were based on combinations of CrD calculations and experimental data. Four
cases were analyzed: (1) fighter subsonic cruise, (2) fighter transonic maneuver,
(3) fighter supersonic cruise, and (4) transport cruise. An analysis of the perturbation
results for these cases produced a hierarchy of uncertainty sources. The top five uncer-
tainty sources were (1) strain-gage balance, (2) specific humidity, (3) wall interfer-
ence, (4) test conditions, and (5) tunnel noise and turbulence. Angle-of-attack, model
aeroelastic effects, internal duct flow, and exhaust jet temperature simulation were also
identified as significant uncertainty sources in transonic wind tunnel testing.

NOTATION NOMENCLATURE

B Elemental bias error
CFD Computational fluid dynamics
CX Aerodynamic coefficient, X = L for lift, D for drag, and m for pitching

moment
Aerodynamic coefficient from the aerodynamic reference model adjusted to

CXEXT full-scale flight conditions at a reference inlet and exhaust condition.
Full-scale aeroelastic and protuberance effects are not included in the
adjustments.
Uncertainty in engine performance attributable to measurement or simulation

INLET uncertainties in the inlet test which is counted as thrust loss or drag.
ACXNAB Aerodynamic coefficient increment from the NAB test that adjusts CX from the

reference exhaust condition to the required flight condition
FAS Force accounting system
FT Feet
IN Inches
LBf Pound force
LBN Pound mass
MACH Mach number
NAB Nozzle afterbody
NPR Nozzle pressure ratio
NZ Load factor
PTR Inlet total pressure recovery
RE Tunnel unit Reynolds number, per foot
REe Momentum thickness Reynolds number at the location of the onset of transi-tion
S Elemental precision error
T Static temperature
TDp Dew point temperature
TT  Total temperature
U Total uncertainty
XTR Location of transition onset
ALPHA,a Angle of attack
6* Boundary-layer displacement thickness

Tunnel free-stream turbulence level, percent of free-stream velocity

In the quest for guidance to prioritize data quality improvements at the Arnold
Engineering Development Center (ARDC), a study was initiated by the ARDC Directorate of
Technology to identify the sources of data uncertainties in ABDC transonic wind tunnel
test data and to quantify the effects of those uncertainty sources. The objective of the
study was to establish a hierarchy of the significant uncertainty sources to provide

*The research reported herein was performed by the Arnold Engineering Development
Center (A C), Air Force Systms Coand. Work and analysis for this research were done
by personnel of Calspan Corporation/ADC Division, operating contractor for the AOC . ..
aerospace flight dynamics test facilities. Further reproduction is authorized to satisfy
needs of the U. S. Government.



guidance for resource allocation to ensure that "high payoff' efforts were being worked
and given top priority. The study was to include identification and quantification of
uncertainty sources in the lift, drag, and pitching-moment coefficients of some typical
test configurations from the AZDC Aerodynamic Wind Tunnel (4T) and the Propulsion Wind
Tunnel (16T). A comparison of soon of the characteristics of these two facilities is
presented in Table 1. The uncertainties were quantified in terms of percent of flight
coefficient values which would be predicted using data from an aerodynamic reference
modal test, a nozzle-afterbody (M) model test, and an inlet model test. Typical
fighter and transport configurations were selected for analysis. The cases evaluated
(Table 2) were a subsonic and supersonic cruise point and a transonic maneuver point for
the fighter configuration and a cruise point for the transport configuration. All cases
were evaluated for an altitude of 30,000 ft.

Table 1. Comparison of AEDC Transonic Wind Tunnels.

AEDC TEST SECT'M eWALOIG MACH 060
FAC r 1Y T SDE WALL DESIGN 

PROPUJLSIONWIND FOUR WAUSPERFOMATED
TUNNEL 16T l6X 16 WITH IXED 6% 0.06 TO 1.0

OPEN POROSITY
AERODYNAMIC FOUR WAJLLS PERFORATED 0210 1..
WIND TUNNEL 4T 4X4 WITNVARIABLE0 TO 10% 16, 2.0OPEN POROSITY

Table 2. Case Studies.

C MACH ALTITUDE AEDC
NUMER FT CIL Nz FALITY

SUBSONIC CRUISE FIGHTER 0.8 30,000 0.211 1 0 4T AND 16T

TRANONIC TURN FIGHTER 0.9 30.000 1.20 5.3 4T AND 16T

SUPERSOINC CRUISE FIGHTER 15 30,000 0.078 1.0 16T

CRUISE TRANSPORT 078 10,000 0,545 1 0 16T

The wind tunnel data base used in the analysis from the two facilities of interest
(AEDC Tunnels 16T and 4T) was derived from models having a variation of model to tunnel
blockage ratios from 0.11 to 0.91 percent. Furthermore, some of the models used artifi-
cial roughness to fix the boundary-layer transition point, and others had natural tran-
sition. A sumnary of the models, tunnels, blockage ratios, and viscous simulation tech-
niques is presented in Table 3.

Table 3. Summary of Model-Tunnel Characteristics.

MODEL TO

MOORl. MODEL TYPE A 5TUNNEL VISCOUS SIMUI.ATION
TUNNEL &LOCKAGE TECHNIQUERATIO %

AERODYNAMIC FIGHTER 16T Oil FIXED TRANSITION
REFERENCE

AEROOYNAAMIC FIGHTER 4T 036 FREE TRANSITION
REFERENCE

NOZZLE FIGHTER 16T 056 FREE TRANSITION
AFTERBODY

AERODYNAMIC TRANSPORT 1ST 101 FREE TRANSITION
REFERENCE

UNCERTAINTY ANALYSIS METHODOLOGY

The uncertainty analyses methodology used in this study is an adaptation of a
method that was developed by the AEDC Engine Test Facility (ETF) for engine thrust uncer-
tainty analysis (Ref. 1). ETF personnel calculated the influence of the error in each
independent quantity on the engine thrust at specific flight conditions using a numerical
perturbation technique on a specific set of equations which described the relationship
between the dependent and the independent parameters in the calculation of the engine
thrust. The technique involved calculating the engine thrust at a specific flight condi-
tion using measured or otherwise determined values of the independent parameters, and
then each independent parameter is separately perturbed by its uncertainty value to de-
termine its effect on the engine thrust.

Adapting this type of uncertainty analyses to the present study involved the
following steps:

1. Identify the uncertainty sources associated with the three types of
transonic wind tunnel tests.

2. Establish a specific set of equations via a force accounting system
(FAS) by which the flight aerodynamic coefficient predictions could be
made including terms to allow for evaluation of all uncertainty sources
identified in Step No. I.

" . *'i i i3. Establish uncertainty values for all perturbation parameters.

4,%
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4. Establish nominal values for all independent parameters for the cases
being considered to compute nominal values of lift, drag, and pitching-
moment coefficient for each came.

S. Perturb each independent parameter in the FS separately by its esti-
mated uncertainty value to get a perturbed value of the coefficients
for each case considered.

6. The perturbed values of the coefficients are then subtracted from the
nominal values to obtain the uncertainty in the nominal value attrib-
utable to the particular perturbation parameter uncertainty.

UNCERTAINTY SOURCES

The first task of the study was to identify and categorize the various sources of
wind tunnel data uncertainty. Three main categories were established: (1) flow quality,
(2) test technique and simulation, and 13) instrumentation. Specific sources of data un-
certainty identified for each category and each type of wind tunnel test are shown in
Figs. 1, 2, and 3. Flow quality sources included uncertainties associated with obtaining
the tunnel Mach number calibration, i.e., calibration pipe orifice effects, specific
humidity, and the parameters associated with the use of the calibration, such as total
and plenum pressure, total temperature, and tunnel wall angle. In addition, sources
associated with tunnel flow non-uniformity, such as longitudinal pressure gradients, flow
angle, and noise and turbulence, were also identified as sources of uncertainty in the
flow quality category. The flow quality uncertainty sources are present in all three
types of wind tunnel tests. However, it can be seen in Figs. 1, 2, and 3 that the uncer-
tainty sources associated with test technique and simulation vary significantly with the
test type. The aerodynamic reference model test which provides an absolute value of the
aerodynamic coefficients has the largest number of uncertainty sources. The adjustments
that are applied to the basic coefficient measurements from this test are all sources of
errors. The adjustments include static tares, base and cavity pressure, model-to-flight
skin-friction extrapolation, support interference, and internal duct drag flow effects.
Various physical parameters related to the model including moment transfer distances,
reference areas and lengths, control surface angles, and aeroelastic effects are also
sources of data uncertainty for the aerodynamic model test. Furthermore, in the tran-
sonic Mach number range, tunnel wall interference can be a significant source of data un-
certainty along with the simulation of viscous effects such as the boundary-layer laminar
to turbulent transition locus. Parameters producing uncertainties in the results ob-
tained with fixed transition are trip placement, Mach number, and Reynolds numbers,
whereas with free transition, error sources associated with the viscous simulation are
tunnel noise and turbulence, Mach number, and Reynolds number.

TEST TECHNIQUE TEST
FLOW QUATY AND SIMULATION INSTRUMENTATION

- MACH RM * MODEL PAIA5MM * INTERNAL STRIN GAGE RALANCE

TOTAL PRESSURE I TRANSFER DISTANCES @ PRESSURE TRANSDUCERS
S PLENUM PRESSURE 2 REFERENCE AREAS AND LENGIr
I TOTAL TEMPERATURE 3 CONTROL SURFACE ANGLES . THIERMOCOUIPL S
4 WALL ANGLE 4 AEROELASrC EFFECTS
S CALIBRATION PP POSITION POTINTOMETES

OI FCE EFFECTS S STAIC TARES
& SPEIFIC HUMIMDW & AMUL INDICATORS

BASE AND CAVITY PRESSURES
* PRESSURE GSAOEETS

* DUCT INTERNAL FLOW
e FLOW ANGLE SEAPORT IRTIERERC

. NOSE AND TURIULECE 
.

.MODEL TO FLIGHT IN
FRICTION ESIAPOLATEORN

k 0 TUNNEL WALL INTENRRENCE

.VISCOUS SIMULAION OP
LARMR TO UMULERT
TRANSITION Locus

I FREE TKAES*TK.EE
MACH NUMUR
REYNOLDS &URMR
NOISE AND TURULENCE

F FIXED TRASITION
TRW PLACEMENT

• C. NvMKRMAC EWv ~o UER

Fig. 1. Uncertainty Sources in Aerodynamic Reference Test Data.

TESTTECHNIQUE TEST
FLOW QUALITY AND SMULATION INSrREIENTAT1ON

- MAOR4 SE MOROL PARAMU 0 PRESSURE TRANSDUCERS

PRSSURE GRADIENTS I. MRST PAME . THERMROCOUPLES

1. IND FLOW
RIFLO ANGE W. AREAS AND LMNVS

0 WALL igTRU

& SUEORT TMMC

. NET EXHRAUST TEMPERATURE

Fig. 2. Uncertainty Sources in NAB Pressure Test Data Increment.
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TESTTECNIQUE TEST There are significantly fewer
FLOW QUALITY AND AT INS1RUMSTAMIN sources of data uncertainty associated

with test technique and simulation in a
" Lnozzle afterbody (MAD) pressure test

than in the reference aerodynamic test
PUSSUW G*ADWIFS -LOW MA, Pesmo P"M0 POTwENUWtM because the incremental method is used

-KOWe,"" in acquiring the desired information;
compare Figs. 1 and 2. The NAB test

Fig. 3. Uncertainty Sources in Inlet provides coefficient increments to be
Performance Increment. added to the adjusted aerodynamic ref-

erence test coefficients to adjust the
data from the aerodynamic reference model nozzle pressure ratio (NPR) and the area ratio
to those at the flight condition of interest. Fairing of the inlet along with the ab-
sence and/or the inaccurate simulation of bleed flows, as well as the uncertainty in in-
tegration areas, are sources of uncertainty in NAB testing associated with the model.
Other NAB testing uncertainty sources are tunnel wall interference, model support inter-
ference, and improper simulation of jet exhaust temperatures.

In reviewing the possible test technique and simulation uncertainty sources associ-
ated with an inlet test where total pressure recovery and mass flow ratio are the primary
parameters being measured, the uncertainty sources identified were improper inlet bound-
ary-layer simulation and mass flow control via the positioning of a flow control plug.

Under the category of teat instrumentation, the uncertainty sources identified were
those associated with force, moment, pressure, temperature, position, and angle measure-
ments.

FORCE ACCOUNTING SYSTEM

A force accounting system was established by which to formulate a specific set of
equations with which to make the flight coefficient predictions. Such systems are typ-
ically set up by the aircraft manufacturers to account for all the corrections and/or
adjustments to the wind tunnel data as well as all interacting forces that exist between
the airframe aerodynamics and the propulsion system. Most force accounting systems sep-
arate the forces that are invariant with engine power from those that vary with engine
power setting. The force accounting system used in this study is shown in Fig. 4. The
aerodynamic reference test which uses a complete model with flow-through propulsion simu-
lation with a fixed inlet and nozzle geometry provides an absolute value of aerodynamic
coefficients, CXEXT, at a reference mass flow ratio and nozzle and inlet geometry. The
NAB test provides the data to adjust the aerodynamic reference test data from the refer-
ence condition to the flight condition of interest. Normally the inlet test provides
data for accounting for inlet spillage effects, for determining loss of engine thrust
through total-pressure recovery data and for assessing engine operating stability through
inlet distortion index measurements. However, in the accounting system in this study,
the inlet spillage effect is included in the aerodynamic reference test accounting, and

I I. I , VISCOUS SIMULATION

A LE r -; W w I -J - ;I 5 1 0

AERORREEMN MO NASE AND I- I .....

DUC PA...... ...- -, SE
AY A NMEYL YANr N ION

I -I UREMUNT

MBO A IIJIM f SKI.FICETNATION

BOORS~O* ASOUCYMCI

• !,; -;,s ., jFig. 4. Uncertainty Analysis Force Accounting System. •
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MEASURE N 1 - -m - -



5-5

the inlet term ACXINLET provides for accounting for uncertainties in the measured total
pressure recovery (PTR) as losses in engine thrust, which is considered as additional
drag. The coefficient prediction is obtained by adding the three terms:

CX - CXET + AC 1 P + ACXINLET (1)

where X - L for lift, D for drag, and m for pitching moment.

EQUATION SYSTEM DEVELOPMENT

In the force accounting system presented in Fig. 4, the adjustments and corrections
to the wind tunnel data normally applied by the aircraft industry are shown in solid-line
blocks. Those items shown with dashed-line blocks are not normally included in a stan-
dard force accounting system, but are treated as data uncertainties in this study. Spe-
cific analytic and/or empirical equations can be written for each of the terms in the
solid-line boxes. Included in the current study are equations for calculating test con-
ditions, uncorrected body and stability axes, base and cavity, and duct internal flow
momentum loss aerodynamic coefficients. Trim and inlet spillage effects were included as
surface fits of experimental data which also provided the capability of perturbating
these effects by the angle of attack and control surface angle uncertainty. Tunnel flow
angle and buoyancy effects were determined from experimental data at the conditions of
interest and included as constants in the system of equations. The differences in skin-
friction drag between the aerodynamic reference model and the full-scale vehicle is taken
into account by subtracting the model skin-friction drag from the wind tunnel measured
drag and adding in the full-scale vehicle skin-friction drag. The Prandtl-Schlicting em-
pirical relationship from Ref. 2, which includes compressibility effects, was used for
calculating turbulent flow skin-friction coefficients, and the Blasius equation (Ref. 3)
was used for laminar flow skin-friction coefficients. The skin-friction drag for both
the model and full-scale vehicle was calculated using the component buildup technique of
Ref. 4 using empirically determined form and interference factors with the appropriate
skin-friction coefficients and wetted areas. To get the true full-scale flight values,
adjustments are also usually made for full-scale aeroelastic effects and for the effects
of full-scale protuberances not simulated on scale models. However, these two effects
were not included in the accounting system equations for the current study. Body and
stability axes coefficient increments from the NAB test were computed using pressure in-
tegration equations. The NAB coefficient increment included accounting for the sting and
aft fuselage deformation effects that are present in the aerodynamic reference test data.
NAB support interference was included as a constant which was evaluated from experimental
data.

Analytical and/or empirical relationships did not exist for the items in the
dashed-line boxes in Fig. 4. The effects of many of these items were included as con-
stant terms in the equations and estimated from experimental data. Included in those
effects were the inlet fairing, bleed flow simulation, and specific humidity for the
fighter configuration. Wall interference, model aeroelastic, tunnel noise and turbu-
lence, and specific humidity effects for the transport configuration were also included
as constant terms, but were evaluated using CFD techniques or a combination of CFD and
experimental techniques. These techniques will be discussed in detail in the next sec-
tion. The remaining terms, which include exhaust jet temperature, Reynolds number and
Mach number effects in the viscous simulation, nozzle pressure ratio, transition strip
placement, and inlet performance effects, were included in the system of equations by
first estimating an influence coefficient or derivative, XCx/ay, where Y is the indepen-
dent parameter of interest. It is recognized that Mach number and Reynolds numbers are
not independent parameters, but 3Cx/am and aCX/aRB are calculable and can be used, as in-
dicated below in Eq. (2), to propagate errors in the independent parameters to the vis-

cous effects. The influence coefficient estimates were accomplished using CFD and/orexperimental data. The equation used to calculate the influence of uncertainty, 6Y, on
coefficient CX was

DCX
AC -- Y (2)

ay
For example, in the inlet accounting, estimates were made of the derivative aCD/1PTR by
using engine performance data and an assumed aircraft drag to calculate the change in
drag coefficient for a given change in total-pressure recovery, PTR. Then using the un-
certainties in the PTR measurement attributable to the identified sources, an increment
in drag coefficient was calculated using the equation

aCD
ACDINLET - 2 (PTR) (3)

where Y - the particular uncertainty source.

UNCERTAINTY ESTIMATES

The estimates of the uncertainty in the perturbation parameters for the cases
studied are presented in Table 4. Most of these parameters are the independent param-
eters in the system of equations. The majority of the uncertainties presented in this
table are instrumentation uncertainties which contain systematic, non-random errors
called bias (8) and random errors referred to as precision (S). The instrumentation un-
certainties were calculated as

•--7 -. - .- . • j.-
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U = ± (B + 2S) (4)

For the balance uncertainties the bias and precision were calculated as follows from the
calibration data:

N
I (RES)i
i=1

BIAS = N (5)

and
[ (RES - BIAS) 2

PRECISION = L' N-i (6)

where RES = APPLIED LOAD - CALCULATED LOAD and N = No. of measurements.

While the uncertainties calculated for the balances used in this study were made using the bias and precision
values computed using equations 5 and 6. the current thinking at AEDC is that these equations probably do
not compute the balance bias and precision properly and the methodology of determining these parameters are
being re-evaluated.

Table 4. Perturbation Parameter Uncertainty Estimates.

FIGHTER CONFIGURATION TRANSPORT

SUPER-
PARAMETER PERTURBATION SUBSONIC TRANSONIC SONIC
GROUP PARAMETER UNITS CRUISE MANUEVER CRUISE CRUISE

16T 4T 16T 4T 16T 16T

TOTAL PRESSURE PSF 1.26 1 29 1.25 1.29 1 25 1 29
PLENUM PRESSURE PSF 1.21 1 22 I 19 1.20 1 14 1 28

TEST CONDITIONS TOTAL TEMPERATURE R 3.65 0 75 3.65 0.75 365 3.65
WALL ANGLE DEG eels -- 0.01s - 0015 0015

ORIFICE EFFECTS --- 00078 e076 000 00088 00178 0 OSS

MODEL ATTITUDE PITCH SECTOR ANGLE - DEG 0 04 004 0 G4 0.04 004 0.04
ROLL MECHANISM ANGLE DEG 0.04 004 0.04 004 0,04 004

BASE AND BASE AND/OR CAVITY P 175 - 149 0.53 3.05
CAVITY EFFECTS PRESSURE

CALIBRATED DUCT EXIT PSF 255 239 2.12
DUCT INTERNAL TOTAL PRESSURE

FLOW
MOMENTUM UNCALIBRATED DUCT EXIT PSF 6 3 6 3 63LOSS TOTAL PRESSURE

DUCT EXITSTATIC PRESSURE PSF 1.78 -- 153 -_ 1 Is -

BALANCE TEMPERATURE °F 388 3 88 198 18 38 3B8

MODEL FORCES BALANCE VOLTAGE VOLTS 0017 0011 0017 0.011 0017 0.017

AND MOMENTS BALANCE NORMAL FORCE LB 4.1 14 41 1.4 41 339
BALANCE AXIAL FORCE LB 19 06 O9 06 09 S.5

BALANCE PITCHING MOMENT IN.LB 14.0 4 1 14 0 41 140 182 2

NAB PRESSURE AT PSF 2.0 20 20
OPERATING CONDITION
NAB PRESSURE AT REFERENCE PSF 2.0 --- 2 0 -- 20
CONDITION

NAB NAB JET NOZZLE PRESSURE NONE 01 0.2 0 2 -
INCREMENTS RATIO

JET TEST TEMPERATURE .R 10 - 10. --- 10

JET TEMP DIFFERENCE R 670 2200 2200

TOTAL PRESSURE RECOVERY --- 0001 0001 0 001
INSTRUMENTATION
TOTAL PRESSURE RECOVERY, -.. 0001 0001 0001 -

INLET FLOW PLUG POSITION
INCREMENT TOTAL PRESSURE RECOVERY. 0,002 0 002 0002

BOUNDARY LAYER SIM.
TOTAL PRESSURE RECOVERY. --- O.0004 00004 00004
FLOW ANGLE

MODEL CONTROL SURFACE ANGLE DEG 01 01 01 01 0t 0 1

GEOMETRY LENGTHS IN 0.010 0010 0010 0010 0010 0010
AREAS % 10 10 10 10 10 10

VISCOUSSIMU FIXED TRANSITION STRIP IN 01 N/A 0 1 N/A 01 N/A
LATION FIXED PLACEMENT
TRANSITION _ _

The test condition uncertainty attributable to calibration pipe orifice effects is
given in terms of Mach number error. Uncertainty estimates have been made for duct in-
ternal flow momentum loss for both a calibrated and an uncalibrated duct. The uncali-
brated duct calculation uses weighting factors combined with duct total-pressure measure-
ments to calculate the duct mass flow. The uncertainties in the average total-pressure
measurement for the uncalibrated duct were calculated using that same weighting method-
ology. NAB jet temperature uncertainty is listed as jet test temperature, which is the
instru-.,nt uncertainty, and as jet temperature difference, which is the difference in
temperat .re between the wind tunnel test and the flight operating condition.
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The affect of the tunnel walls on the models is highly modal-dependent and must be
evaluated for each model tested. In general, no corrections are made to the model data
to account for any wall effects; therefore, the wall interference effects are considered
uncertainties in the data. The wall interference effects for the models and tunnels in
this study were computed using the methodology described in Ref. 5. The procedure used
to solve the wall interference problem involved the creation of a computational mesh for
the tunnel and a wing-body representation of the model. A second larger mesh was created
which exactly overlays the first and extended four tunnel heights for the free-air solu-
tions. The Euler equations were used as the basis for the flow-solver portion of the
computations. The wall interference is calculated by taking the difference between a
free-air and tunnel flow-field solution. Some typical results from the wall interference
calculations at Mach 0.8 are presented in Fig. 5.

Moisture in the flow field around a wind tunnel model can significantly affect the
4erodynamic coefficient data. As local condensation occurs, heat is released into the
flow field which alters the pressure and temperature distributions over the model. The
effects of humidity are particularly significant at high transonic and supersonic Mach
numbers at which shock locations can be altered by local condensation in the flow field.
The CFD code HUIID/EULER described in Ref. 6 was used to calculate specific humidity ef-
fects at the nominal conditions of the cases studied. This code also uses the Euler
equations and a two-dimensional model representation. Experimental data were available
at Mach numbers of 0.9 and 1.2 for the fighter configuration, and those data were used to
adjust the results of the computations for both the fighter and transport configurations.
As with the wall interference, two points were required for each case in order to compute
a coefficient increment. One point was tunnel air dry and one point was with the air at
the specific humidity criteria for tunnel operation.

The humidity criteria used in the AEDC transonic wind tunnels is that the air dew-
point temperature must be less than the free-stream static temperature at subsonic Mach
numbers, and at supersonic Mach numbers the specific humidity must be less than 0.0015
LBmH2O/LBmAIR. The results of the calculations for the transport configuration are shown
in Fig. 6. The deltas used in the uncertainty analysis were the values extrapolated to
the 4 x 106 unit Reynolds number humidity criteria line, which was the test condition at
which the transport data base was acquired. Also shown in Fig. 6 is the tunnel humidity
criteria line for 2.5 x 106 unit Reynolds number to show the sensitivity of the uncer-
tainty to air density.

AERODYNAMIC
SYM COEFFICIENT

o LIFT TUNNEL TUNNEl
o DRAG HUMIDITY HUMIDITY
A PITCHING MOMENT CRITERIA CRITERIA

SOLID SYMBOLS ARE FOR THE RE - t 5 x 1(
6  

RE .&O x 10
6

0. TRANSPORT CONFIGURATION T 10F TT -I00F

6 -
= 4 60 1

IDRAGIOF -'
I UOMIMUr

00I LIF(OF
NO HMIMN... PITCHING

0~~ 2.0 - -N EIENX I

41002 0 0.0 ID O6 D0 O

0 O 12 0.4 (L6 0.8 1.0 0 0.00 0.00 0100 0.0 (1010
PERCENT BLOCKAGE AT a .0 SPECIFIC HUMIDITY, LBM FI OLBM AIR

Fig. 5. Wall Interference Effects Fig. 6. Specific Humidity Results of
at Mach - 0.8. HUMID/EULER 2D Calculation

for Transport Configuration,
Mach = 0.78.

The computation of uncertainties associated with the viscous simulation was ac-
complished using several CFD codes coupled with some empirical results. The methodology
of the calculation is shown in Figs. 7 and 8. Initially the flow field is calculated
using the PLO 27 flow solver described in Ref. 7 which solves the full potential equa-
tions. The pressure distributions from the initial calculation are input into the
boundary-layer code of Ref. 8 to calculate the laminar boundary-layer profile to the
start of transition. The code of Ref. 9 is used for the turbulent boundary-layer calcu-
lations. An intermittency function is used to mix the laminar and turbulent skin-
friction coefficients over the transition region. Turbulent values are used to compute
the displacement thickness distribution over the rest of the geometry. The onset of
transition and the length of the transition region are specified from empirical data.
The displacement thickness distributions are then input as modifications to the original
geometry, and the calculation is repeated until the displacement thickness distribution
no longer changes. The codes were used to calculate the influence coefficients, Cx/atqz,

"CX/aM, and DCX/3XTR, that were used in the accounting equations. They were also used to

evaluate the uncertainty associated with tunnel noise and turbulence using the Ref. 10
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ONSET CRITERIA

L TUNIEL (EXPER I ENTA L)
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IREF. 7) MACK ALPM, 6 PRESSURE DISTRIBUTION AL FIXED
FW 1 REYNI OLDS NO MCK A P. Rex
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OUTPUT.R
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I i

BOUNDARY-LAYER S USE SHEAR WORK INTEGRAL
CODE METHOD TURBULENT CODE
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Fig. 7. Viscous Simulation Fig. 8. Boundary-Layer Calculation
Evaluation Code. Methodology.

equation 0. 024 SYM
REO = 190 + EXP (6.88 - 103T) (7) o CoTOTAL

where T - tunnel turbulence in percent 02 CD SKIN FRICTION
of free-stream velocity. The code has
the capability of computing the lift, CD 0.020 0004
drag, and pitching-moment coefficient
for a given geometry and test condi-
tion as a function of turbulence. Typ- z
ical drag coefficient results computed 0.018 0002
for the wing of the transport configu-
ration are shown in Fig. 9. In order
to get the coefficient uncertainty in- 0.016 0 .0.4 0.6 0. 1
crement attributable to tunnel turbu- 0. 10
lence, one must first decide what the TURBULENCE PERCENT
tunnel turbulence is and also what is Fig. 9. Predicted CD Versus Turbulence for
an appropriate turbulence value for
flight. Experimental data (see Fig. Transport Wing, M = 0.78, a = 2.140

,

10) were available for the two wind RE = 4.0 x 106/FT.
tunnels and also from a flight test
which provided the onset of transition criteria (RE0 ) as a function of Mach number. The
data were obtained with the same slender cone and are reported in Refs. 11 and 12. Using
the data in Fig. 10 along with Eq. (7), one can ascertain the flight and tunnel turbu-
lence values for the determination of the drag coefficient increment from the data in
Fig. 9. At Mach 0.8 the 4T and 16T tunnel turbulence was 0.8 percent, whereas the flight
value was about 0.6 percent. It is also interesting to note that while the drag of the
trar.3port configuration decreased as free-stream turbulence increased, the drag of the
fighter configuration increased. The changes in the form drag with free-stream turbu-
lence account for the difference in trends. The transport wing is a supercritical wing,
and, as the data in Fig. 9 show, the form drag decreased more rapidly than the skin-
friction drag increased as turbulence was increased. The fighter configuration wing is
not supercritical, and the form drag changes were very small compared to the skin-friction
changes with turbulence, resulting in an increase in total drag as turbulence increased.

The aerodynamic reference model geometry is designed to represent one flight condi-
tion and is generally treated as a rigid body. In the study reported herein, aeroelastic
effects of the aero-reference fighter and transport models were computed to evaluate the
error associated with that assumption. A finite-element model of the fighter and trans-
port wing was developed, load distributions (see Fig. 11) were generated from experimental
pressure distributions, and the wing twist distribution underloads were then calculated
Typical results of those calculations are shown in Fig. 12. The viscous simulation eval-
uation code (Fig. 7) was used to calculate the difference in the lift, drag, and pitching-
moment coefficients between the two twist distributions. In some instances when the codeSwould not run, the average value of the change in the twist distribution was treated as

• '_ - ,. , , . , I
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an angle-of-attack error, and the resulting error in the longitudinal aerodynamic coeffi-
cients was computed via the perturbation technique.

RE9 [700 TI
600

1.L.O 0.8 0.6 0.4 0.2 0 0 0.2 0.4 .6 0.S LO 1.2 1.4 1.6
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REf....t"""|; tP I', - - -. ;---"

TURBULENCE. PERCENT MACH NUMBER
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Fig. 10. Experimental Transition Onset-Turbulence Correlation.
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Fig. 11. Wing Load Distribution. Fig. 12. Estimated incremental Wing Twist.

STUDY RESULTS AND CONCLUSIONS

The uncertainties in the lift and drag coefficients associated with the various
parameter uncertainties expressed in percent of the nominal coefficient value as well as
a coefficient increment value are presented in Figs. 13 through 17. Since the cases
studied represent trimmed flight conditions, the pitching-moment coefficient uncertain-
ties are only presented as coefficient increments. Comparisons are mmde, where appli-
cable, of coefficient uncertainties associated with the two AZDC transonic wind tunnels
16T and 4T. Parameters for which no results are presented produced smaller uncertainties
than those which are presented.

. . . . .. -..
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The total uncertainties which REFERENCE 14 1RANSPORT CONFIGURATION ACCURACY REQUIREAENT
were calculated by simply taking the
square root of the sum of the squares INCREMENTAL MEASUREMENTS ABSOLUTE MEASUREMENTS
of all the perturbation uncertainties
are presented in Fig. 13. Included AC0- 0001 0.000
in this figure are accuracy require- ACL -(101 0.01
ments for the lift, drag, and pitch- ACm 0.1 0.001
ing-moment coefficients for a trans- AG -0.01 0.05
port configuration which were estab- AMACHNO. -0.01 0001
lished by Steinle and Stanewsky in 0 16T1TUNNEL C3 4T'TUNNEL
Ref. 13. It is obvious that the total
uncertainties established in the cur- ACD. DRAG COUNTS ACL
rent study are well outside of the 20 40 02 0L04
Ref. 13 values. TRANSPORT F '-- '

CRUISE L.. .
An analysis of the detailed re- 056

sults presented in Figs. 14 through 17
resulted in the establishment of a ACD, DRAG COUNTS AC1
hierarchy of uncertainty sources pre- 20 40 0
sented in Fig. 18. Heading the list FIGHTER 1
are strain-gage balance measurements. SUPERSONIC [
Steinle and Stanewsky also identified CRUISE
force and moment measurements as the
major contributor to wind tunnel data ACD, DRAG COUNTS ACL
uncertainty. They recommended in-
vestigation into advanced calibration "IGHUE 20 0 0.02 OL04 0.06
techniques taking into account tern- TRANSONIC[
perature effects, non-linearities, MANEUVER
and hysteresis characteristics. Ob-
viously, this is an area that needs
considerable emphasis. ACD.DRAG COUNTS ACl

The second item in the hier- SIGSOt _.__0.0
archy of uncertainty source is spe- SuB ONIC
cific humidity. This result was CRUISE
somewhat of a surprise, especially 0 4 8 12 16 0 4 8 12 16 0 0.02 0.04
the drag error for the subsonic S NOMINAL DRAG % NOMINALLIFT ACm
cruise fighter case. The specific- Fig. 13. Total Uncertainties.
humidity criterion, i.e.,
T - TOP _ 0, for subsonic Mach num-
bers is obviously not stringent enough for a model with a wing that has no supercritical
flow. Moreover, the transport configuration which has a supercritical airfoil would re-
quire a more stringent specific humidity criterion than the fighter. One could adopt the
most restrictive specific-humidity criterion which is that the dewpoint temperature be
below the static temperature corresponding to the highest Mach number of the flow over
the model. Steinle and Stanewsky (Ref. 13) feel that is too restrictive and suggest a
criterion, T - TDp < 3.6

0
F. From the results of this study it appears that more experi-

mental work needs to be done to adequately define the tunnel specific-humidity criter on
for models with supercritical airfoils. Moreover, the CFD code HUMID/EULER needs to be
improved to provide the capability of predicting what an acceptable tunnel humidity is
for various models.
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Fig. 14. Uncertainties, Pighter Subsonic Cruise Condition.
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Fig. 17. Uncertainties, Transport Cruise Condition.

Tunnel noise and free-stream turbulence holds 1. STRAIN GAGE BALANCE
the fifth place in the uncertainty source hierarchy,
but only for models which utilize natural laminar to 2. SPECIFIC HUMIDITY
turbulent boundary-layer transition. Proper viscous 3. WALL INTERFERENCE
simulation with such models requires knowledge of the
tunnel noise and free-stream turbulence or some 4. TEST CONDITIONS
method of characterizing those parameters with re- S TUNNEL NOISE AND FREE-STREAM TURBULENCE
spect to flight. In laminar flow control experiments (VISCOUS SIMULATION OF FREE TRANSITION)
the knowledge of these parameters becomes even more
important because of the dominance of external dis- 6. ANGLE OF ATTACK
turbances on the stability of laminar boundary layers. 7. MODEL AEROELASTIC EFFECTS

The uncertainty in angle of attack placed sixth & UNCALIBRATED DUCT FLOW
in the uncertainty source hierarchy; however, only a 9 NAB JET EXHAUST TEMPERATURE SIMULATION
0.04-deg uncertainty in the main sector angle was in-
cluded in the coefficient uncertainty calculations. 10. NAB BLEED FLOW SIMULATION
Other sources of angle-of-attack uncertainty include 11. NAB PRESSURE
sting prebends and pre-roll angles, model-balance in-
cidence angles, and sting balance deflection angles 12. INLET PLUG POSITION
to name a few. If the uncertainties associated with 13 CALIBRATED DUCT FLOW
the determination of these angles were included, then
angle of attack would move up in the uncertainty 14. CONTROL SURFACE ANGLE
source hierarchy. These results point out that the 15 NAB NOZZLE PRESSURE RATIO
testing community needs to put some emphasis on im-
proving angle-of-attack measurement accuracy. Fig. 18. Hierarchy of Uncer-

tainty Sources.
The remaining items in the uncertainty hier-

archy indicate that model aeroelastic effects should not be ignored. Moreover, determin-
ing the internal duct drag with an uncalibrated duct can produce significant errors in
the drag coefficient determination. Furthermore, adjustments should be made to the NAB
drag increments for the mismatch between the flight and model exhaust temperatures. This
adjustment has been successfully accomplished for axisymmetric nozzles using an empirical
technique described in Ref. 14. However, configurations with non-axisymmetric nozzles
will require the development of an experimental data base to produce a correction tech-
nique.

CONCLUDING REMARKS

The objective of this study was to produce a hierarchy of uncertainty sources in
transonic wind tunnel testing to ensure that the "high paloff" sources were being given
proper priority and fiscal consideration. In summary, force and moment and angle-of-
attack measurement are the dominant sources of data uncertainty in transonic wind tunnel
testing and need to be given top priority for measurement uncertainty improvement by the
tosting commsunity. Furthermore, specific humidity, wall interference, test conditions,

, . "rand noise and turbulence can also produce significant data uncertainties, and special

attention needs to be given to each of these parameters in order to produce the highestquality transonic wind tunnel data. Moreover, taking model aeroelastic effects into

. -yi n I I"I I I-I
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account and performing mass flow calibrations of flow through ducts of aerodynamic refer-
ence models will further improve data quality.
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SUMARY

Air vehicle development programs continue to experience difficulty in predicting the performance of
new aircraft configurations. Advances In the states-of-the-art in wind tunnel simulation techniques,
flight performance measurements and Computational Fluid Dynamics have provided the basis for investigating
the accuracy of the aero4fnic elements used in the performance prediction process. This paper reviews
the force accounting procedures, model and wind tunnel simulation techniques and correction procedures,
and full scale adjustments used to predict the performance of air vehicles. The "lessons learned" in this
review should enhance the capability to predict aircraft performance for future air vehicle development
programs.

SYMMS AND NOTATION

A Geometric area m Mass flow
AEOC Arnold Engineering Development Center a/% Inlet ass flow ratio
CF Axial force coefficient NPR ozzle pressure ratio

Drag coefficient, Q/qSRE P Pressure
Contateenl Fluid Dynemics PSF Pounds per square ft
SMtn friction drag coefficient PWT Propulsion Mind Tunnel (AEDC 161)
Center-of-gravity q Dynamic pressure

C p Pressure coefficient, (P-Po)/% RN Renolds mber
D Dr S Reference area

S Air1rme system drag STA Station
DF Full scale adjusted WT drag T Temperature

P Force V Velocity
FT,ft Feet MT Mind tunnel
Fu Met thrust i. Water line
FN Excess thrust 0 Angle of attack
Fig Installed net propulsive force V Ratio of specific heats
log Logarithm A Incrmental quantity change
M Mach number

Subscripts:

E Exit plane MISC Miscellaneous
EHX Exhaust o Remote at infinity
FS Full scale REF Reference
U.L Inlet RN Reynolds number
INT Internal T Total
MAX Maximum TRIM TRIM (CG/thrust vector effects)

MIN tinmum WT ind tunnel

1. INTRODUCTION

The accuracy of air vehicle performance predictions is dependent on the quality of the aerodynamic,
ass property and propulsion system information used in the prediction process. For most aircraft

development programs, the aerodnamic elements are obtained from the conduct of scale model tests in wind
tunnel facilities. For sm wind tunnel aeroebnemic investigations, a high degree of accuracy may not be
required (e.g., those performed for paremetric Investigations or incrmental configuration effects). For
other programs, however, such as those to be used as the basis for contract requirements, the accuracy
associatd with the derivation of the aerodynamic elements must be thoroughly understood.

Atr vehicle developent progroms requrcg h igh levels of accuracy continue to experience
d iscrepncies inl d opmen t o fferm t scale nodels in the ame wnd tunnel, with the same model in
different wind tunnels, and between prediction and that achieved in flight. The ability to Isolate and
corect the surce of these differences has been enhanced in recent years through improvement in the
states-of-the-art in wind tunnel model and facility simulation techniques, in application of ComputationalFluid Dynamics (CFg), and in flight measurements (particularly in-flight thrust deltnlintiee). :
Investigation has reveled that the mjor causes of these discrepancies are associated with:

o The accounting process and approach used to Isolate all required force elements durin wind tunel
test programs, and proper combinng of these forces at the full scale operating conditions.

- -n m im m mi i Lmmm
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o Inadequate test techniques and procedures used to account for the effects, both internal and
external, of model internal flow.

o Lack of total understanding and accountability for the interference effects associated with wind
tunnel model support systems.

o Lack of accountability for the effects of wind tunnel wall interference on model measurements in
the high subsonic and trensonic Iach regimes.

Mditional contributors to these differences may also include wind tumel conditions, pressure gradient
and flow angle; force balance uncertainty, model fidelity, accountability for Reynolds number effects, and
jet exhaust temperature simulation.

This paper reviews and discusses wind tunnel capabilities. test techniques and procedures,
uncertainty of results and *lessoUs learned" associated with the facility and simulation aspects of the
wind tumel development process for the critical aerodynamic dreg parameter required for the accurate
prediction of air vehicle performance. Areas of discussion include: (1) process eaployed for the
derivation of full scale aerodnamic drg from wind tumel tests. (2) need for and requirements of a force
accounting system, (3) wind tunnel capabilities (flow field quality, model support systems and tunnel wall
interference. (4) wind tunel progrms (simulation fidelity, internal flow measurement, propulsion
interactions, and boundary layer simulation for Reynolds number effects).

Only the subsonic and transonic flight regimes are addressed herein. The supersonic flight regime Is
not addressed because of a lack of thorough documentation concerning error sources. However, the
slulation and test technique principles are applicable to the supersonic flight regime.

2. WIND TIJNEL DRMG PREDICTION PROCESS

As illustrated in Fig. 1, the derivation of full scale aeronamic drag (DREF term in eq. (4)) from
wind tunnel model tests is accomplished in a four-step process as follows:

Ste I. Model drag is determined at model operating conditions (mn , NPR) and wind tumel test
condtiiL ( M, RU, a ). The accuracy of the model drag measurements at te model reference conditions
(usually flow through inlet and exit conditions) is a function of the full scale configuration fidelity of
the model, precision and resolution of the force balance measurements and quality of the wind tunnel flow
conditions.

Ste 2. Nodel drag measurements are corrected for the effects of wind tunel and model Items which
are no re sentative of the full scale vehicle (e.g., support system, internal flow, wll interference,
feometry distortion) and from model operating conditions to full scale reference operating conditions
reference conditions are discussed in Section 3) for inlet mess flow ratio and nozzle pressure ratio.

These corrections are discussed in detail in Sections 4 and 5.

Ste . The corrected model drag is adjusted from model scale to full scale to account for the
effec s Reynolds number, RN, on vehicle skin friction drag. The RN drag adjustment is a function of
surface boundary layer conditions (i.e., laminar or turbulent flow, and surface roughness). The usual RN
adjustment is based on smooth flat plate turbulent boundary layer theory applied to each of the air
vehicle components (body, wing, tails) at both the model 1 st and full scale reference conditions.
Various correlations of turbulent boundary layer data exist.1 , One relationship for skin friction drag,
for the fully turbulent, incompressible case,is given by Schlichting:

Cf .455 (1)
(P0) (log RN) 4.M

Similarly, various correlations of the effect of copressibility on friction drag exist in the
literature. The relationship defined by Frankl-Voishel is given by:

Cf/C + y-1 M2 )-.467  (2)
f(M',O) T

Because of normally low values of the model test Reynolds number and the low level of surface
roughness on a typical model compared to the full scale vehicle, the model boundary layer must be
"tripped" from potentially laminar to turbulent flow conditions (see Section 5.4). High levels of surface
roughness on the full scale vehicle may result in non-achievement of the full RN beneficial drag reduction
effect on some or all of the vehicle components, especially at the higher Reynolds numbers. This
phenomenon is know as RN 'cutoff'. For the purpose of the drag prediction process, it is generally
acceptable to assume that the full scale vehicle surface roughness can he controlled such that RN cutoff
will not exist. This assumption should not be made if the levels of surface roughness anticipated for the
flight vehicle are sufficiently high to precipitate RN cutoff. Accountability for surface roughness is
discussed in detail in Ref.1, Chapter I.

Variations on the smooth flat plate boundary layer theory discLssed above have been employed in
various aircraft development programs. These variations have Included:

o Empirical three-dimensional correction to account for the fact that aircraft components are
comprised of curved versus flat surfaces.

o Empirical correction for relating the drag associated with mutual interference between aircraft
components (wing, body, tails) to Reynolds number.
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Fig. I Mind Tumel to Flight Drag Prediction Process

o Treatment of total drag (skin friction plus for. or pressure drag) as a function of RN.

o Combinations of the above.

Each of these modifications to the basic mooth flat plate skin friction boundary layer theory
increases the magnitude of the incremental drag reduction from model test to full scale reference
conditions. Flight measurements have vill %d Only the basic flat plate turbulent boundary layer theory.
except where RN cutoff is in evidence. Therefore, only this procedure should be employed in the
wind tumel based dreg prediction process.

Ste p4. The wind tunnel model dreg adjusted to full scale M in LU 3 is then corrected to vehicle
full s --- drag through accountabilitl for those drag items that were nt represented (or practical for
representation) on the wind tunnel model, such as protuberances (e.g.. antenme, air data sensors,
scoops); excrescences (e.g., surface steps, gaps, mismthes and flush inlets and exhausts) and
aeroelastic effects. Ref. 1 is gnerally the basis used for the protuberance and excrescence
corrections. Aeroelastic corrections are not normally made to wind tunnel data but may be required for
very larle flexible aircraft configurations or if performance requirements exist at accelerated flight
conditions. Analytic techniques are generally emplired for flexibility corrections. At the performance
prediction phase, however, a true accounting for these item is Influenced by: (1) optimise in the
mnufacturing techniques to be employed to minmize excrescence drag, (2) optmise in the full scale
vehicle protuberance requirements, and (3) fidelity of the prediction techniques in ROf. 1 and those used
to account for vehicle flexibility.

1.5
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Fig. 2 Accountability for Drag Item Not Represented on Wind Tumel Model
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A separate che"k on the amount of dreg associated with the estimate for these item is contained in
Fig. 2 which sas originally presented in Ref. 4 and is included here with an additional aircraft. This
approach is based an historical tracking of resulting full scale air vehicle drag, as determined during
the flight test dosumentation process, versus that determined at Stp3 in Fig. 1. The miscellaneous drag
increment in Fig. 2 is an empirical approach to assessing those d-J-1tems associated with manufacturing
tolerances, protuberances. excrescences, auxiliary equipment inlets and sehust, leakage and cooling. The
date in Fig. 2 indicates that the accountability for these Items are functions of the vehicle sizc (wetted
area), aerodrnamic cogapImci , mission capability and stage of development (prototpe or production
aircraft). It should be recognized that the data in Fig. 2, in addition to accounting for item not
represented on the model, could also contain residual errors from the wind tunnel aspects of the drag
prediction process as discussed in Sections 4 and 5.

Subsequent discussion will address the details of force accounting systems and the wind tumel

aspects of the drag prediction process in Steps 1 and 2 of Fig. 1.

3. FORCE ACCOUNTING SYSTEMS

The discussion in this section is based on the Thrust-Drag methodology developed in Ref. 2, Chapter
I. Fundamental to the success of accurate prediction of air vehicle performance is the selection of a
force accounting or "bookkeeping" system, and supporting wind tunnel models and test procedures, tailored
to the aerojnamic and propulsion system being evaluated. A well defined performance integration system
is required to ensure that the various elements (i.e., inlet, exhaust, eirframe, turbtmchinery) of the
airplane system are combined properly to yield an accurate prediction of overall system performance.
Also, comparison of aircraft performance predictions with the results of the flight test documentation
process requires an understanding of the elemental thrust and drag forces to validate the aircraft
performance model and isolate the source of arw aerodramic or propulsion differences that my exist.

The need for a bookkeeping system in the wind tunnel based prediction phase of an aircraft
development program arises largely from the inability to determine the performance of the complete
airplane system, with simultaneous real inlet and exhaust operation, in a single test. The implicit
assumption exists that the effect of the inlet, and exhaust nozzle can be measured separately and coined
linearly. This is valid for the burrned propulsion configuration, shown in Fig. 3, near the ideal angle
of attack. The assumption may or may not be valid for sore cmflgurations and certain flight
conditions. For the podded nacelle configuration, where the inlet and nozzle are aeroednamically close
coupled, the assumption is rarely valid. For the latter configuration, use of a turbine powered engine
simulator (illustrated in Fig. 4) or a separate CFD analysis may be required to accurately isolate the
aero&lnamic and propulsion force increments.

3-STAGE M ll

Fig. 3 Integrated (Burrned) Propulsion System Fig 4. Podded Nacelle Propulsion System with
Turbine Powered Engine Simulator

The variety of actual and possible aerocjnamic and propulsion syste configurations makes It
impractical to specify a single rigorous accounting system. The accounting system should, howver,
address the following characteristics:

o Requirement for consistency. All forces must be accounted for once and only once.

o The bookkeeping procedures should afford as much visibility as feasible to the performance of the
elements of the airplane system.

o Selection of reference conditions, although somewhat arbitrary, should provide for a way to
correct the airplane dreg polar to realistic inlet and exhaust system operating condftfms.

o The thrust-drg accounting methodology must be suitable and consistent for tracking of Integrated
propulsion/a irframe performance throughout the aircraft development program.

Considering an aircraft in level flight, the simplified force equation applied in the flight
direction takes the form:

FEX . FzpF - DAFS  (3)

Additional forces included In the airframe system drag (O FS ) and net propulsive force (FlpF) terms
/4 account for defined or chosen reference full scale operating coltions and excursions from the reference

full scale operating conditions. The breakout of the additional forces for a thrust-drag accounting
system applicable to the fully integrated propulsion system illustrated in Fig. 3 is as follows:

-'i.-...-- .,
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F - (Fil + AFIML + AFExH + AFTRIM) (DE + ADIWjL + hD~H 4 DMIM + hOR~j (4)

The incremental forces i" Eq. 4 are not all inclusive but are Characteristic of the kinds of item that
muist be included. Additional ites. such as force Increments ilie to inlet and exhaust of secondary
airflow systems may be required.

The various elements of this accounting system are categorized relative to strictly defined reference
*and operating conditions (see Ref. 2. Chapter 11 for additional details) including aerody'namic (aero)

reference, full scale geometry reference and full scale operating conditions. The establishment of full
scale reference conditions requires selection of several variables. including inlet mass flow ratio, inlet
gemtry. nozzle pressure ratio, nozzle geomtry, secondary aIrfiows, and aircraft trim setting. Since
these variables influence the installation drag, a fixed set of reference conditions must be identified.

ClinwtiaI
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Rd W~I Cold Air Mby IM Usk

Fig. 5 Exmle Wvid Tunnel Mdels

This accounting methodology mst be supported by models and a wind tunnel test program designed to
isolate the identified forces and force Increments. Fig. S shows examle wind tunnel models (including
model characteristics) that would be required to isolate the aero~ynamic forces and aerod~'namic/propuls ton
force increments in Eq. (4).

The force elements identified in Eq. (4), although developed from wind tunnel model tests, are
applicable to the full scale aircraft. A separate accounting system is required for the 0DtEF term in Eq.
(4) to correct the aerob'ynmic force and moment model measurements to the desired book~keeping reference
conditions. "real' aircraft geometry, and free air conditions (e.g., accountability for model support
system, internal flow, geometry distortion and well interference). The force terms Fu (installed engine
net thrust) and ADR ( drag associate with fli~st vehicle Reynolds number excursions fro the fullI scale
reference Reynolds nuiber) in Eq. (4) are not germane to the subject matter of this paper and are not
further discussed. The remaining elements of the force accounting system in Eq. (4) and corrections to
the aero'~namic force and moment model measurements are discussed in subsequent Sections.

4. WIND TUNNEL CAPABILI TIES

Traditionally, incremental data from wind tunnels have been considered to be quite valid. However,
absolute data for total air vehicle configurations have been suspect because of flow quality and
model/wind tunnel slimlation uncertainties. These uncertainties and progress toward solutions in the 1983
timeframe, are discussed in Ref. 7. Recent advancements in instrumentation capabilities and increased
understanding and attention to the details of the many elements of the wvind tunnel process have enhanced
confidence in the accuracy of absolute levels of wind tunnel data.

4.1 Flow Field Quality.

Instrumentation advances have mede it possible to calibrate the wind tunnel with masurmnt
uncertainties on the order of 0.0005 in ic h number fgm subsonic to low supersonic conditions and quote
free-strem static pressure to en accuracy of one PSi'. Total spatial angularity variations on the order
of 0.1 degree are readily obtainable, even in large wind tunnels, and freestream turbulence levels now
approach or equal those values obtainable in flight (e.g., in the AEDC Tunnel 16T, the root-mean-square
value of stagnation pressure fluctuations is down a factor of three to five from the 0.5 percent of total

h ~pre ssu re , typical of the time fram of Ref. 9 and noted in Ref. 5 of this Symposium). Presumving that
extreme care is taken to assure that the test section axial IMch numbear, or static pressure variations are
minimal or non-existent, no buoyancy correction should be required as experienced in Ref. 10 and discussed
in Ref. 4 of this Symposium.

Thus, the sources of continuing wind tunnel errors are the force and moment balances (discussed in
Ref. 5 of this Symposium), model support system and tunnel wall interference and, unfortunately, test
techniques employed in the wind tunnel process.

4.2 Model Suefort Syse Intarference.

In many cases, the effects of the support system on model force and moment masurmnts are ignored
because either they are assumed to be negligible or are judged as being ,too costly to evaluate
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systm are shown in Fig. 7. Also shown in Fig. 7 is the correction required for one of these mounting
systes (AEDC Lower Swqt Sting) in a second wind tunnel facilily As can be seen, the variation in axial
force interference correction among the three mounting systems is very large (100-200 dreg counts
depending on angle of attack). Equivalent variations in normal force and pitching moment were also
observed as discussed in Ref. 4 of this Symposium.

When accounting for the effect of support systems experimentally. care must be taken in the design of
the models and alternate support syste to prevent flow interactions between the alternate and primary
support system (e.g., for some configurations, a wing tip mounting system may be required to isolate the
effects of an aft mounted sting support system). Al so, the Increased blocage of the alternate support
system could change wall interference effects in the transonic ich regime. In this case. CFD May be
required to isolate the secondary wall interference effects of the alternate support syste. It should be
noted R~at considerable success has been achieved in isolating support system Interference through the use

4.3 Wind Tunnel Wall Interference.

A major problem in wind tunnel to flight drag comparisons is the lack of correlation in drag
divergence (or drag rise) in the transonic flight regime. Ref. 6 attributes this disparity, at least in
part, to wall interference effects on wind tunnel models. Ref. 4 dbcuments this problem showing three
different drag rise characteristics for the same vehicle as evaluated from subscale, full scale and flight
measurements, as shown In Fig. B. Approaches which have been under evaluation to solve this problem
include: (1) development of adaptive wall systes to eliminate the interference and (2) employment of wall
interference assessment and correction techniques. Each of these approaches requires in-tunnel
measurements and canniot be used to predict the effects of wall interference. Fig. 9 shows use of the
prediction techniques of Ref. 12 in identifying extensive wall interference effects at the test blockage
(ratio of vehicle cross sectional arse to test section area) condition of approximately 8% which were
correlatable with wind tunniel drag measurements naving lower blockage values. Shams in Fig. 9 is the
calculated distortion (Incremental Cp variation) in model surface pressures as the difference between free
air and that caused by the influence of the tunnel wlls.
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The magnitude and predominance of either the kinetic exit momentum or pressure force ter in Eq. 5
for duct drag detminatio are functions of the duct design (inlet/exit arm ratio defining subcritical,
critical or supercrltical duct fnow over the range of operating conditions to be evaluated) and the
influence of the internal and xternal flow fieMs on the duct scit static pressure. It should be noted
that the change in momentum from free-stre to exit comditions includes a change In direction from
=arallel to the wind axis to parallel to the bo' axis (asmlg negligible aift Inclination eagle).

orera, the effects on lift and pitching moment should be casidered and evaluated. not arbitrarily
Ignored.

The free-strea conditions in Eq. (5) we determined from wind lumel frestream maurments (Vo.
P and TT ). Evaluation of ts model internal drag, therefore. is dependent on model measurements of
Jct mass flow. a, duct esit velocity. rE. and duct mit static pressure. N. This requires measurement
of the overage total and static pressures at relevant duct maial plants. Rik* sstams say be mounted
Internal to the duct and model or eternal at the mazle eit plane. todeals with internally mounted rakes
also require measureent of the static pressure at the msit plane, while static pressure probes can be
included on external rakes. Depending upon the configuration, externally mounted rakes can be attached to
either the model itself or to the support sys. For the case where the rake is attached to the model,
the model force measurements are invalid. Therefore, te data runs are required - one for duct drag and a
second. without the rake Installed, for force and moment measurements. Hovevr. the pressure field of the
rake can affect the sit momentum of the duct wough to be significant when the rake Is rimved.
Therefore. it is recomaeeded that internal duct sit static pressure measurements. in conjunction with
rake installed total pressure data, be used to define duct mass flow and eit momentm when the force data
(rake removed) is being obtained. For the case of the s -ppt stem mounted rake, force data can be
obtained with the rake attached. Hover, the rake install1ation must be accurately simulated when the
swpport system interference is evaluated (disossed in Section 4.2). An additional problem that arises
with the stelrnelly mounted rake ;ystm is that of aligment. As the model loading is varied with angle
of attad, the rake Is deflected relative to the model. Extreme care is required to assure correlation of
the measured pressures with the duct exit geometry.

The above discussion is usually adequate for slple duct system with relatively uniform flow. For
these duct syses and especially for duct Wstws with distorted flow (which could be caused by
separation, supersonic velocities or proximity of rake measurement probes to flow comtrol devices),
acourate determination of average duct conditions can be obtained by calibration of the duct system and
instrumentation in a mess flow and thrust (if available) measuremnt facility to assess calibration
factors for measured s. VE and P(E

Experience has shown that the best accuracy in Internal flow and drag masurments is achieved, in
descending order, by:

1. Pass flow and thrust (if possible) calibration of the duct and Instrumentaton system.

2. Determination of mess flow and exit Imentum with Internally Installed duct instrumentation.

3. Determination of exit total presure recovery with externally mounted Instrumntation rakes.
Moss flow and sit momentum are obtained with this total pressure recovery and internally mounted exit
static pressure measurement with the rake removed.

4. Determination of mess flow and exit momentum with external static and total pressure
measur ments.

5.3 Propulslon Interactions.

The force accounting system in Eq. (4) Identified incremntal forces that are a function of engine
operating conditioms. For this boakkeeping stm. the throttle-dependent drags fall into tre
categories: Inlet spillage drag. exhaust system or jet-effect drag and propulsion aspects of aircraft trim
drag. These items are evaluated during wind tunnel progrms employing various models as Indicated in Fig.
5 and Section 5.1.

5.3.1 Inlet Spillage Drag

Throttle-dependent inlet spillaqi drag Is defined as the change in aircraft drag resulting from
the differences between the operating conditions and the operating reference condition inlet mass flow
ratios. Spillage dreg varies with inlet mess flow ratio as Illustrated in Fig. 11. Drag of the aerm-
reference model inlet Fig. 11 (1) is included in the aero reference drag. The incremental drag between
(I) and the full scale operating reference codition (2) represents the scale model to full scale drag
correction ADeIL. Drag differences between engle operating conditions (3) and full scale engine
reference conditions (2) are accounted for as throttle dependent Inlet drag AFDIL to be included in the
net propulsive force.

Inlet spillage dreg is cmposed of to parts: (1) additive erg. which operates on the Incoming air
slipstrem; and (2) lip suction force. which is due to the change in pressure caused by the oss flow
change over the affected surface external to the Inlet highlight area.

If the total surface area affected by inlet mess flow change can be defined, the additive and lip
suction force elements can be determined separately with an fnlet model incorporating extenaive vurface
pressure instrumentation and inlet plane momento instrumentation (total and static pressure). An
alternative is to use the aemo*nmamc reference model or a specially designed inlet drag force model. For
either of these cases, it is possible only to measure the total inlet spillage drag. or sum of the
additive drag force and lip suction force. Whichever medel approach Is used. the data most be corrected
for the internal flow momentum loss, as discussed in Section 5.2. If the AeroernmIc reference model is
used, it must be possible to vary the inlet mess flow by means of internal remte control valve(s) or by
changing variable porosit' 'choke' plains or screens as indicated in Fig. 12. If internal raes are used

Ii
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$for determining a*n Inlet us n fow and exit momentum. Care Mgst be taken so that te choke plates or
act s are not located Such Vat thay invalidate or -avrsely affect the rat* smmarmts.

MACH NUMNES - CONSTANT
0 RAD REFERENCE INLET BEONETNI AND FLOV CENHLE XTCOE
0 FULL SCALE OPERATING REFERENCE INLET

A FOLL SCALE ENGINE OPERATING CONDITIN

IFN
012 UG ;;6 NINL SCREN

Inlet nossow ratio. rn/mo

Fig. 11 Ora Force Variation with Fig. 12 Schntic of NOdal Flow Duact with
Me 1s lwPatio Alternative Flow Comtrol Deies

Mass flow variation through changing the model duct exit area (as shown in Fig. 121 Is not
recommended because the model base are is affected (thich maV edd an additional error Somrce In
accounting for the bane pressure-area corretion) as well as the flow aea (which requires a different
rake installation if the exit total pressure or exit momentum is obtained with externally mounted rakes).-

IHowever the miss nlow is varied, special care Trust be taken in order that the vary Slight change in
duct exit nozzle pressure ratio, resulting from the flow rate changes, Is well defined end does not cause
a change in the model afterbo* drag (Section 5.3.2) that might be confused with or considered to be Inlet
spillae drag. This can be a critical problem become, at flow through nozzle pressure ratios, the slope
of efterbo* Orag as a function of nozzle ratio pressure Is at a maximum value.

MACH flREf H *CONSTANT

0 AIAO REFERENCE NOZZLE GINIJITH AM NP1

0 FVLL SCALE OPERATING REFERENCE.-

A FULL SCALE ENGINE OPERATIEG CONDITION

A flo

Nodle ArM Rfta AIJAM

Fig 13 Drag Fore Variation with N1ozzle Area and kozle Pressure IWO

5.3.2 Exhaust System Drag.

j Thuottle-dopenident exhaust System or jet-effects drag is defined as the change in aircreft drag
resulting from the difference between the actual opeveting conitin and the operating reference condition
in term of mule presure ratio an area. For Integral exhaust system, nozzle pressure ratio can
Influence the afte~o* pressure dista'ibutian and drag. Changing nozzle area altars the afterbo4y closure

:dpressure distribution, which in turnt affects aircraft dreg. fig. 13 illustrates twpical variations In
aircraft drag with nozzle arma and pressure ratio. Jeteffects orpoweed model tests are comducted to

1h;Dottle dependent exhaust Sstem drag characteristics for accountability in Eq. (4). Drag of
eerfernc meda in Fg13(1) is inlddi h torfrneda.ThmIe uia

doe between ( 1) and the full scale operating reference condition (2) represent the scale model to full
wcale drag correctin Abjg to be Included in the full wcale drag polar. Drag differences between

0"In Opra""cowtion Go Us allSeale reference ccndtions (2) wre accounted for as throttle-
dedpANt Whimst IVStem drag A FW to be included is n hGet propulsive force.

The 1hrottle-ftendont sthemst systaeg can be itated for en itegrad propulsion eystoo
(e.g., that shem in fig. 3) using a blow atrbo* moel (as showr In Fig. 61 or a blowd airtraft
model. IT term 'bh~u roftors to the uan of a high pressur external air source to vary nozzle pressure
ratio. The airplane model Inlets are usually fai waer since the srternal rather than Inlet airflow is
asomeed. As with ilett irocedurei, either a medal contining a forme balance or one wit Gamtd
wrface presure insti~ntetie, may be used to Isolate the required force increments. Since the

*neneaugdot drag Is annl pneviv, do"g, no ftynold nowr caection is usually
required to relate scale moa ful TScale charectvistles.
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The higIf pressure air used so provide the muzle pressure ratio to evaluate the jet Interference Is
usal Iod* air. For urns applications. espcially afterburner operation. thes mxhaust gas temperature

ca h'ere a ppreciable effect on the jet Interference drag. In this case, it may be advisable to either
attemt svyation of the engine exhaust gas tmperatinre levels or provide a correction to account for the

5.3.3 Trim Drag

TI drag is that drag associated with the change In control surface positions required for flight at
the various flil scale octmal operating conditions throughout the vehicle flight envelope. Throttle-
dependent trim drag is defined as the change in aircraft drag resulting from the difference in control
surface positions required for trim at the actual operating condition and that required for trim at thm
full scale operating reference conditions In term of inlet mass flow ratio and exhaust system 119 and
arm.

The variation of aircraft drag with control surface deflections is determined with the aerodynamic
force and ammnt model through measurement of model drag and pitching moment while incrementally changing
control surface positions. Thoe data wre the basis for determining the throttle-dependent trim force

IncreentsIn E. (4 ( h~htNend *%IN) throuh evaluation of aiti moment changes associated with
determination of the throttle. sendent infli spillage and the exhaust systm forces discussed in Sections
5.3.1 and 5.3.2.

A~jM Is the maternal force increment due to the change in control surface position from that
rired fr Irim at the aerodymmlc reference (usually &amr model) conditions to the control surface

postion required for trim at the propulsion operating reference conditions and actual center-of-mess
l cetion. A Fjg is the throttle-dependent external force die to the charge In control surface
position from that required for trio at the refeete owinlet. exhaust and center-of-mass location to that
contral surface position required for trim at the actual inlet and exhaust operating conditions.

S.4 Boundary Layer Simulation

As stated previously, the nomally low values of Reynolds nuer and surface roughness for subscale
models results in non-representative, boundary layer conditions (affecting skin friction dreg and,
potentially, flow separation) compaed to the full scale vehicle.

Boundary leper modification to simulate full scels flow conditions (laminar to turbulent) or fix
shock locations, is usually ccomplished by Installing boundary layer transition trips on the model
surfaces. Transition trips normal ly consi1st of glass beads or carbornum grit embedded in an adhaesive.
The transition strips must be of sufficient height to affect boundary-layer transition without Interfering
with the model drag measurements. Requirements for grit sizing to Meet these conditions are detailed in
Refs. (14) and (15).

Location of the boundary-layer transition trips, particularly for the wing, Is dependent on the nlow
conditions. For non-crintical flow, the transition trips should be located downstream of the leading edge
suction peag and maximize simulation of the full scale turbulent boundary layer flow conditions. For
sajporcritlcal wings, boundary leper transition can affect the shock-wave location on the model and the
presence and extent of shock-induced separation comared to the fall scale vehicle. The technique used to
minimize scale effects In shock-induced seperated flow is to fix the boundary-leper transition point at
the proper location on the wind tunniel model so that the boundary-layer en the model is simulated in the
region of the sarto. Reference (161 outlines procedures for location of the transition trips. The
transition trip loIctions may be different on the apper and lower wing surfaces. If boundary-layer
simulation is based on shock location considerations, an accounting must be made for the effect of laminar
flow d&hed of the transition trip location on skin friction drag. This adjustment can either be based on
evaluation of the results of Reynolds number variation fasts in the wind tunnel or the theory discussed in
Section 2, Step 3.

Problem that have been encountered in wind tunnel programs relating to boundary-layer simulation
Includle: (1) lack of accountility for the effects of laminar flow an skin friction drag whan boundary-

*layer simulation ws based on shock location, and (2) boundary-layer not tripped on fml scale wind tunnel
model. Repnolds mair variations should be included in the wind tunnel test program to determine that
turbulet; flow exists er provide Ite basis for cerrecties if some flow is laminar (e.g., when transition
is set to replicate shack locations). Modml momfocakig procedures, even for full scale models, can
result in partial laminar flow conditions on the model coared to turbulent boondary-layer conditions for
the fliott article (made using production manufacturing techniques and tolerances).

*6. COCLWUBIN MOMS AM LESNS LEANED

The currant state-of-the-art In wind Imneel facility aid model simulation techniques and proedures
is mach that high quality remilts are achievable. at last In thm subsonic end transonic flight regimes.
Cantimami Improvemnt in the fidelity of wind imumel simulation Is expected as CF applications are
refined. especially in the ares of acceuntabiliep for the effecto af model soppert esos and wind
tunnel wall Interference. Rigimly amcrate remilts. mach as than required for contract catmeets. can be

* ebtainied with devation of sufficient resounrces to snore that the items discasseed heei wre rigorouly
delewed. bfbrtmately. attmts are continually made (usually becamse of perteived echeduling andfor
ammtory constraints) to compromise thm fidslfi' o a* h simulation progras. This iwaridily produce
advems remilts requiring aditonl toecats to correct the problem resulting from 10"Me camises.

Rburnfg to Fig. 1, tme overall lessm ons mmm ceecermng the. drag prediction pross Include:

9; A force accoatimg apstmet must be Idootifie at the inception of a programs. Thisysems meet be
cempatible with the aerermaic ad prepulsm train being estluated. I

.,'0I
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oThe scale mdel tests to support this accounting system must be conducted in a facility of known
simulation.: Scaling of the wind tunnel results for the effects of "eIods numer on skin friction drag shouldI be based only on flat plate turbulent boundary-layer theory.

oAdjustment of the wind tunnel dreg measurements for the effect of Items not represented (or
practical for representation) on the wind tunnel model should be realistic.

Specific lessons learned to ensure fidelity of the wind tunnel simulation include:

* It is absolutely necessary to understand and account for the effects of model support systems.

o The Fotentlal effects of wind tunnel wall Interference should be defined and accounted for, if

o The effects of model Internal flow must be accuretely Isolated.

o The effects of propulsion systm interactions must be thoroughly evaluated.

o Boundary-layer simulation must be thoroughly understood to provide the proper corrections to
flight Raynolds nmber.
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MEASUET UNCERTAINTY OF THE AGAID/PEP UNIFORM
ENGINE TEST PEOGRAM

by
J.P.K. VleShert

National Aerospace Laboratory ELI
Postbu 90502, 1006 IN Amsterdam.

The Netherlands

SUMMARY

In the AGARD/PE1 Uniform Engine Test Program (UMTP) two engines were tested in 8 facilities in 5
different countries to compare measuring practices and results. The underlying report Rives an overview of
the UTP with the emphasis on Uncertainty Assessment according to the method proposed by Dr. Abernethy, in
which the total Uncertainty is split in a random error (scatter, precision) and a bias error or offset.
The results show that the random error is mail but that appreciable bias error exists between participants.

1. INTRODUCTII

The Uniform Engine Test Program was instigated in 1980 by the then Chairman of the Propulsion and
Energetice Panel of AGARD, Prof. E.E. Covert, to compare engine performance as measured in different test
cells. Similar programs have been executed comparing performance of a standard aeroplane or missile model
in different wind tunnels. In the case to be presented the comparison Is hindered by the fact that the
test Item does not necassarily stay the sam throughout the testing period. To check for possible
deterioration or alteration of the engine characteristics it was arranged for the engine to return to the
first site for its last test, to try to eliminate possible site effects from the comparison.

An advantage of testing an engine a compared with a wind tunnel model is the fact that the results
of different measurements are to now extent interdependent through thermodynamic relations, which can be
used to check the results. On the other hand the configuration of a modern high pressure engine must vary
considerably over its running rane, which can introduce discrepancies due to - for instance - slight
differences in the setting of the variable staror vanes. As a measuring program which covers this by
testing at different settings would be prohibitively expensive, an older engine type was chosen with a
minimum of variable configuration, i.e. only on/off intercompressor bleed valves, and the engine wa tested

only over the higher thrust range with the bleed valves closed.
To ensure the best possible comparability and to afeguard against failure, two engines were used

with a reference Instrumentation package, containing pitot/static rakes for in- and outlet together with
thermocouples to determine average flow conditions. Fig. 1) shows the different stations in the engine
which were instrumented to some extent; more so than would be the case on a production engine test, but
not as extensively as on a development engine. A General Test Plan (GTP; ref. 1) gives details of the
instrumentation.

The probes and duplicated fuel flow meters travelled with the engines; each facility used its own
transducers and recording system. Apart from the reference system each participant used its standard test

cell instrumentation to determine flow conditions and engine performance, including separate fuel flow
meters and a thrust stand.

An Altitude Test Facility consists of mchinery co provide engline intake air at the total pressure
and temperature representative of the desired flight conditions, while additional machinery maintains the
cell pressure and therefore the exhaust back pressure at the value equal to the static pressure at flight
altitude. The engine is usually run "connected" to the intake piping, I.e. not with a representative intake

and not with outside flow apart from cell ventilation, Pig. 2) gives a typical test cell without the
extensive Installation required for air conditioning. Between engine and test cell Is a sliding seal which
does not transmit axial forces - or only known, email ones - ; the thrust measured results from the impulse
difference of the air aess flow through the engine in this arrangement. It is not necessarily equal to the
in-flight thrust, but this value can be calculated from the meaarements. In a "connected" test interference
affects like pre-entry drag, intake efficiency and poet-exit thrust cannot be evaluated.

2. TEST PROGRAN

The engines were tested at 10 conditions which exercised the ATP over a large part of its capability,

TABLE I
Test Conditions

P - 12 7.5 5.0 3.0 pain
82.7 51.7 34.5 '0.7 (l~a)

T - 253 268 288 308 K

PR . 1.00 1.06 1.30 1.70
at 0.29 0.62 0.90 Na

Not all combinations were tasted, and in some cases a test e added at a condition as close to sea level
static as the capability of the AT? allomed, so as to have a reference for a static test bed. Tests were

* dome In 5 coumtries at 8 facilities. 4 of which were ATF

'I '  l':t. :
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List of Participnte (in order of testing)
type

1) NASA Lewis Research Center (LeIC) ATF
Cleveland

, 
Ohio, USA

2) Arnold Engineering Development Center (AEDC) ATF
Arnold, Tennessee, USA

3) National Research Center of Ceneda (NECC) d level
Ottewa, Ontario. Canada

4) Centre d'Eseals des Propuleurs (CEPr) ATF
Secley, France

5) and g level

6) Engine Overhaul Division Turkish Air Force (TuAF) d level

Ankara, Turkey

7) Royal Aircraft Establishment (RASPy) ATF
formerly Natl Gas Turbine Et.
Pyastock, sapshire, UK

8) Naval Air Propulsion Center. (NAPC) open air
Trenton, New Jersey, USA

the enginee ver retested ct HRCC end at LeRC

At each condition the engines were tested in 9 steps over the full thrust range with intercompresoor
bled valves closed, which means eucceasively setting up a number of values of high pressure spool RPM
(N2), holding each point till conditions are stabilized, and then making a recording of all parameters. In
the subject case stabiliation times of 2-3 mine were used to settle internal temperatures (and therefore
blade tip- and labyrinth seal clearances), after which two recordings were made. During this stabilisation
tim engine output may change several percent. The interfacility comparison wes made at the Target Value,
which wee approximately mid-range of the tests.

Each facility prepared a test plan based on the General Test Plan (ref. 1) with an a-priori estimate
of the accuracy expected to be attained. Measuring results were validated within the facility end then
reported to an evaluation term consisting of the facilities who had already tested and a number of experts
comprising Working Group 15 of AGARD/PEP. Its results are reported in Ref. 2). The results of the Accuracy
Assessment were analysed by a Sub-Group of WG 15. Prom its findings an AGARDogrnph ha been prepared (ref.
3) of which the present report is an abstract. The interested reader will find a lot more detail in the
References given.

3. UNCERTAINT XTHODOLOGY

3.1 Error types
The uncertainty analysis used is the method proposed by R.B. Abernethy and J.W. Thompsan in the Handbook

Uncertainty in Gee Turbine Measurement (Ref. 4). According to this method the total Uncertainty (U) can be
split up in a random error (scatter (S), precision) and a bias (B) or offset, which Is systematic but in
first instance unknown -all known offsets are corrected for by calibration.

RASPy used to work with the MIDAP classification (ref. 5) which in fact splits up the bias error in a
day-to-day variation and a long term variation. By introducing the "Defined Measurement Process" (SIP)
both models can be reconciled; any errors which vary in this process are classified as scatter, while a
fied error is bias. The letter can therefore only be found by comparing the results of several DMIP's.
This has the consequence that errors may change class according to the extent of the DN. In first instance
a result may be determined from a least squares curve fit of a number of tests, which constitute a SHP.
Comparing a amber of such reasults from different but comparable DKP's constitutes a new DNP in which a
least some of original bias errors appear as scatter.

The above procese serves to estimate part of the bias error; this asume that mistakes and mal-
functions (like leakage or defective instruments) have been eliminated. This can he done by careful control
that the right calibrations have been used and comparing redundant instruments or measurements, e.g.
reducing the engine parameters to standard sea level conditions for comparison. Other posesibilities in
this field are to calculate non-engine related parmters like the nozzle flow-or thrust coefficient. To
facilitate evaluation of this the engine's original centerbody nozzle has been replaced by an extended
conical nozzle with rake instrumetation (see ref. 1).

3.2 Error Evaluation

3.2.1 Prediction Synthesis
For error prediction by synthesis a complete, exhaustive list mst be made of every possible error

for lil measurements that affect the end test result. These can be group--d in categories as follows (see
fig. 3):

1) elemtal errors in determination of the Basic Physical Parameters i.e. pressure, temperature, force,
length and time or frequency. These can be subdivided in the following groups:
a) Calibration Hierarchy; i.e. relation to a standard
b) Data Acquisition due to outside influences on data transmission. transducer, sigmal conditioning amd• :.reeoxding

c) Data Reduction, e.g. resolution and curve fit errors
d) Non-Instrument or Samsor System errors, for instance probe errors, Thrust Zero, pipe swirl n a fuelLflow ester

4. .- ,ii
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2) Error In the determination of the Input Parameters which define the effective values in the engine.
This error is connected with the ner of transducers use and possible pattern variation end can be
closely related to 1d).

The total bas and precision can be determined by adding the elemental contributions. If th se are
unrelated the heat stimate to by Root-Sum-Square (US) addition in each category. An overall estimate of
the Uncertainty of a single test result can then be given by tomining bias and orecision error. Usually,
however, precision is based on statistics of calibrations or of previous test relts, while bias errors
have an element of engineering Judgment. Therefore it is not strictly correct to add both contributions
into a single Uncertainty value with a statistical confidence level. Abernethy gives two valu s, with the
following effective confidence levele, I.e.

Uadd - S + t95.S (appr. 99Z coverage)

Ursa - j32 + (t95.S)2 (appr. 95Z coverage)

in which t95 - 2 for sore than 30 degrees of freedom.

The engine Performance Parameters - the most important being Thrust, Specific Fuel Consumption and Air
Flow - are related mathematically to the ave nwed Input Parameters. To calculate the Uncertainty in
such a Performance Parameter the Influence Coefficients mut be deteriad, which can be done
mathematically by perturbing the equation (given in Ref. 1) over a small range; e.g. 1 or 22, of the Input
Paramters. An example is given in Table III; the resulting bas and scatter can then again be found by
US addition. As the way a Performance Parameter is deteraned depends to s extent on the installation,
the Influence Parameters of the different facilities are not directly comparable.

There is one ure source of error when the Target Point is determined from a curve fit at a certain
value of a comparison parameter, If that parameter itself is subject to error. This Curve Slope Effect can

be determined as 6y - A. - dr where I, and are the Influence Coefficients of the Performance

Parameters y end a, I.e. the partial derivatives due to variation of the Input Parameters x. and dy/ds is
the curve slope. This letter value is particularly large when using high pressure spool RPK (N2); thie is
therefore not a very suitable comparison parmeter.

3.2.2 Test Data Analysis
Prediction Synthesis is essential to find out if there are any weak links in the meesurement chain

and it is useful as a reference as to what discrepancies can be tolerated during testing end as an aid in
trouble shooting. For supervising the test results a Test Data Analysis must be performed, preferably
on-line as then the tests can be repeated or halted if required with e mintm of wasted effort.

Test Data Analysis can be a check on the variation of. or on outliers in specific parameters during a
single test or it can encompass such a check on the end results of a number of tests. conetituting a D".
In the latter case it is possible to calculate the Random Error Limit of Curve Fit (RLCF, see ref. 6)
which is a measure of the scatter within this DNP. The RKLCF gives the limits on both sides of s fixed
curve within which the true curve is expected to lie, within 95Z probability.

As was discussed in 3.1 this scatter contain s om of the bias errors of the constituting tests, but
by no means all as a number of usually consecutive teste is not truly independent. Therefore bias errors
remain which can be found by comparing end results of preferably different facilities, if those differ
more than the RELCY values. Hopefully these differences will be within the predicted bias errors, otherwise
the prediction must have missnd an important source of bias error.

It is emhasiod that an outlier must only be skipped after analysis if a goo technical reason is
found; the analysis may show up hidden faults in the instrumentation or in the set-up for the experiment.

4. INSTUMENTATION AND CALIBRATION SYSTEMS

The different participants use syste for their facility measurements which differ in number and position
of probes, in number of transducers and in cycle time. The reference probe system is the same for all, but
in one case rake probes were manifold before recording. Most facilities use mechanical scamning for
pressures, where a number of pressure lines are connected in sequence to a single transducer. In several
cases relatively large volume high accuracy transducers were used, which require line pressure to be
stabilised after witching, resulting In a relatively long cycle time (1 ainute or sore).

Some facilities had each pressure line connected to its own transducer - it one case even to two -
and used electronic scanning. In that case the cycle time can be in the order of a few seconds, and several
scans can be made in 20-30 seconds, which allows a check to be made on unsteadiness of instruments, engine
and facility. During each dwell - i.e. the time a certain transducer is connected to the recorder system -
a number of readinga (n) can be made which exercises the signal conditioner and the analog-to-digital
converter, reducing 9ome of the errors with un. The transducer error is not reduced because the transducer
Is not exercised. To prevent allasing, the transducer signal mst go through a low pas filter compatible
with the reading frequency.

Calibration w generally done at least once a day using a separate calibration mnifold. with
referenes values also measur d by laboratory standards. An automatica ly calcuatd first or scond order
curve Is then used for the tests that follow. WASA PSL-4 in the test of the returned engines could do this
on commnd or automatically every 20 mine. With mecncal scanning sme test points can be nlded in
the scan to give a check on transducer reliability.

5. SD UT OF THE ACCURACY ASSZSUT !

in first instance the estimated bias md scatter for the main PerformenceParmeters Thrust, SiC and Airflow
were compared end found to vary considerably between participants. Therefore it wes proposed to go into

S-further detail in the estimation procedure. To this end the Worth American facilities put together en Error
Audit which detailed items to be considered for oeh of the soic Physical Parameters. An exm le is given
in Table IV. The errors were to he evaluated at Target Point, for a low altitude case and for high altitude,
where the measured values are snaller and in meny cases the relative error larger.

JV ,i l'S
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PIZ. 4. 5. 6 end 7 give the erro value$ for the physical Parameters. Diferent facilities tend to
grouP their errors together differently ed they do not agree which group is t signiflant. Partly this
reflects real differences in the total Instrumntation systems. but also modelling, I.e. accounting
differences play an Important role. A lot of discussion took plece about this &seemont and although full
agreement coald not be reached the final result, ware much closer then the initial values. Some critical
Items are mentiined underneath.

StaidaEM constitutes the larger part of engle net thrust; the electrical c4aibration is highly
r oi le. bat the test stand zero is a critical Item. especially at altitude.

Air Flow Is io most cases measured by determining airspeed in a section of the intake tube; if this Is
t ioa wide the spee is low which decrease accuracy. while a moll section nay give trouble due to
boundary layer growth in the divergent section leading into the osina. Airflow is not directly a
performance parameter but it is needed to correct the intake momentum dreg to arrive at the true not thrust
value.

Fuel Flow: in all but one case turbine type flow motors ware used. Although the accuracy remains a constant
percentage of the value measured over most of the range. thin type of moter is sensitive to swirl in the
pipes which a be induced by bends and it is doubtful whether introducing a straight and of piping and a
flow streighter.r before and after the transducer suffices to remov this error in all cases.

Pressure error varis over the instrument measuring range. Different facilities used a constant percentage
or

7
raction of the range varying from 1/3 to 4/5. Below this range the absolute error is assumed

Constant, Which Means an increasing percentage error (see fig. 8).

T bias error was generally taken to be 0.5 to I C, but no agreement existed about errors for
thsrmocolas and resistance probes.

The final results for the accuracy of the Engine Performance parameters are given in fig. 9). This
shown. despite the above discuseed datail differences, that in moat cases reasonable agreement exists.
except that A ZC claims a lower error at altitude. and comes out with a eomewhat higher error at low
altitude, The precision- and bias errors are given separately for different altitude. RAZPy has done an
in-depth Post Teat Analysis of their RXLCP values (see fig. 10) and concludes that quite good agreement
exists between predicted and observed values, but that random error is mall relative to the pos ible bias.
An sample is given in fig. 11 for the thrust coefficient which shows that the envelope covering all
conditions in one facility does not quite cover that of another facility, showing that bis errors do exist.
In most case, there is no apparent systematic variation of the thrust coefficient with measuring condition
within the facility.

6. COCLMUDING STATEMENTS

1) There is reasonable overall agrement in the eacond error assss nt of the participating facilities,
aftrr extensive discussion and the setting up of an Error Audit.

2) There is no detail agreement about error sources. This may reflect real differences in instrumentation
systems, but also the accounting differs, even within the Error Audit format.

3) The calibration error, which is usually given as a percentage of full ecale output by the manufacturer,
can be reduced appreciably and kept a constant percentage to a fraction of FSO by employing multiple
calibrations during the teat period and applying the results as the tests progress. Usually higher
order than liner is employed.

4) Non-Instrumentation - or Sensor System - effects are difficult to quantify. They are a potent Source
for bias errors which do not necessarily reduce with the value measured and therefore can have a large
relative effect at altitude.

5) Post-tat analysis shows the random error to be small relative to the possible bias error. This is
shon up in the reaults by the fact that Random Error Limits of Curve Fit for different facilities
often do not cover each other.

6) It tI essential to check the teat results in-house, first for errors and malfunctions, ad secondly
for conaistency. reducing the measured values to non-dimensionl paramters and calculating nozzle
coefficients, which should not be engine-dependent.

7) There is a trend towards the use of multiple transducers with electronic scanning for transient testing,
with mechanical scaning only being used for periodic on-line calibration.

8) This has been a moat useful exercise in all its aspects, that is the actual testing, validation of
the results, and the accuracy assessment. The lwes-experienced participants have obviously learned a
lot. but also the big facilities have gained by exchanging engineering practices.

The author would like to thank all the members of WGI5 for their generous assistance, without
whih this docont could not hav% been prepared.

,U1) Alo a Uniform Engine Testing Program General Test Plan

working group 15 revised edition Dec. 1982

2) AOCA--Ds Results of the Ui ifom ngimne Testing Programm
Working Grap I ss ue no. 2. April 1987

1.7. Asl.od
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3) AGAIDograph 307 Investigation of Measuring Uncertainty within the UETP
AGARD-PIP sub NGI5 preliminary issue spring 1987
J.P.K. Vlghert

4) R.B. Abernethy Handbook Uncertainty in Gae Turbine Measurement
J.W. Themeon AJC-TR-73-5

5) AGARIDograph 237 Guide to In-Flight Thrust Measurement of Turbojets and Fan Engines

HIDAP Study Group Jan. 1979
6) J.C. Ascoush A Teat Code for Contract Performance Measurement

MG 78020 April 1978

BASIC NEASUIREM IT IAS PRECISION IMPIJJEU COEFFICIENT BIAS LIMIT RESULT PRECISION INDEX
LIT INEX (Sk1) *b "k tilI * f

(0l) INNINAL VALUE I % SFC RM MAIR WN SFCR FIR WIR I SFCR jls~ iAIR IWIR

T2 289 K 0.42 0.17 -0.51 0.01 0.01 -0.5 0.21 0.00 0.00 0.21 0.09 0.00 0.00 0.09

P2 99.7 kP& 0.09 0.05 0.66 -1.64 0.46 -1.0 0.06 0.1S 0.04 0.09 0.03 0.08 0.02 0.05

PSI 93.6 kPa 0.10 0.05 0.10 -0.10 - - 0.01 0.01 - - 0.01 0.01 - -

6.4 kPaA 0.67 0.07 -0.47 0.32 0.03

PM 99.3 kPa 0.09 0.05 -0.47 0.47 - - 0.04 0.04 0.02 0.02 -

W 680 g/s 0.26 0.06 1.0 0.01 - 1.0 0.26 0.00 - 0.26 0.06 0.00 0.08

SG 0.78 9/ks 0.28 - 1.0 0.01 - 1.0 0.28 0.00 0.28 - - -

FS 29.8 k 0.41 0.06 -0.09 1.0 - - 0.40 0.40 - 0.06 0.06

A2 0.54 M2 0.09 - -0.01 0.01 1.0 - 0.00 0.00 0.09 - - -

48 0.24 m2 0.09 - 0.0 0.00 - - 0.00 0.00

TFEL 290 K 0.25 0.17 -0.25 - - 0.26 0.00 - - 0.06 0.04 0.04

Cal - 0.10 - - - 1.0 - - - 0.5 - - -

Bias ond Precisuon Root Sum Square Totals (1) 0.60 0.43 0.60 0.4S 0.14 0.10 0.04 0.13

Uncertainty I SFCR 0.88 SMIR 0.68
FR 0.63 WR 0.71

TABLI III K9C BIAS AND PIRCI8IO KTIMAT8 FOR RSULTANT PE8ORMANCS PARAWTIRS

" ++++ -
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STATION DESCRIPTION

0.0 Inlet plenuim
0.1, 0.2, 0.3 Lyvrinth vas
1. 0 Airflow station
2.0 Engine or LPC inlet
1.3 LPC bleed uniumj

.4 LPC bleed Port
3. 0 Conibuso inlet
3.1 Combuawo difum exit
5.0 LPT exit
6.0 Original centueodV nozzle
7.0 Exhaust nozzle inlet
0.4, 0.5, 0.8 Exhaust nozzle lexternal)

FIG 1 INSTUKNATION WACATIORS

ENGINE INLET BIELLMOUTH

ENGINE INLET PILEUM- ENGINE..\ ' TEST ARTICLE SUPPORT STAND

FLO0W STRAIGHTENING GRID-\

VENTRI 5~ 0.0LIM SAFETY SCREEN MODEL SUPPORT CART EXHAUST DIFFUSER

AIFLW TURNING VANES LABYRINTHI BEAL\

FIG 2 TYPICAL. ENGINE INSTALLATION IN ALTITOUS TINY CELL
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HYST ENGINE/FACILITY

NON-LIN FLUCTUATION

SAPE DR REPEAT JENVIRON TEME Ax LEz
STAB E(AX.*ICI,-AP A)=AX(.*dY x*
(ACCELI ,INFLUEN4CE COEFF ~ CURVE SLOPE

fI EFFECTS

ELEMENTARY ERROR BASIC INPUT ( Y SZ) PERFO CHECK

CAL XFR OF j_________ W-W /c~ 7  VSFACILIT
STD.XFR-LAB-WK-INSTR LHV

DATA ACO LOAD SFC/vlo L2 'O

VOLT/TEMP/EMI 
I

rXDCRI PRESS - IMPULSE XI/;XG/S-4 CGB

PRESS 
TERM

DATA RED STATIC OUT
CURVE FIT/RES TOTAL IN WP /i6 VS -- FACI LTY

STATIC IN INI/ vo

NOW-NSTR TOTAL OUT NPR L O

PROFILES/FLUCT COMPA OUT TURS FLOW FUNCT

NO At

MECHANICS TEMP COMPR OUT CALC T4; T5

FLOW ANGLE TOTAL IN 0

HOLE SHAPE /FINISH jTOTAL OUT AT5

MISTAKES AE

CHECK CALIBR RPM

FIG 3 DATA INTSfPLL'

CL THRUJST SVST. INST. TEST CELL SYST CAL. 9NVEFF'S OACO D.REO TOTAL R.S.S.
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CAL INST. T.CXVST.CAL ENVIRONM. EFF. DACO. DRED. R.S.S. TOTAL
rn~ an 0n~rir 13' 14 50.6

0.5 AVE YAGE% 0.4 jOF 2

.3 WIENTICAL
0.2 TUfs. F.M.

0.65 AVERAGE
S0.4 OF 2

0.3 IDENT. TURB.
M2 FLOWETERS

AEOC 0.__2 RANGES

0.5
FF AVERAGE% " I

0.3 OF 2
0.2 IDENT. TURS.

NRC 01_ -- FLOWMETERS

60.5 AVERAGE
"0.4 OF 2

0.2 2.4DENT. TUB.
ME " t IFLOWMETERS

RAE 0.1 lj l ' -  "

0.6
0.5

,0.4 2 RANGES
0.3 2 0FF.
0.2 SUR S. F.M.',

CEPr 0.1 W

FIG 5 ERROR BUILD-UP FOR FUEL FLOW

TAL ZnDUL. L, . A 65 ATARE"D TOTAL ASS. SANDSl
'2 ' 4 5 6 1 MEAS. REAL PARAM

0.5

E .4
0.3
0.2

N 0.1

0.6
0.5

% 0.4
0.3
0.2

AEDC 0.1
0.6
0.5 p

%0.4
0.3j 02

NACC 0.1 -
0.6
0.6

%0.4
02
0.2

RAE 0.1
0.6

%0.4
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0.2
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FIG EMOR BUILD-UP FOR PRESSURE
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AN OVERVIEW OF THE APPLICATION OF STANDARD MEASUREMENT
UNCERTAINTY METHODOLOGY TO PROPULSION TESTING*

by
J. W. Thompson, Jr., Dr. W. F. Rimzey,

Director, Instrumentation and Controls Vice President and General Manager
and

W. 0. Boals, Jr.
Senior Engineer

Sverdrup Technology, Inc., ARDC Group
Arnold Air Force Station, TN 37389-9998

SUMMARY

In the past several years, a standard measurement uncertainty methodology has been
adopted by the SAE, AsME, AlAA, ISA, JAN"A, and ISO (draft status). This standard
methodology has significantly improved the ability to resolve and understand measurement
systems accuracies in the Engine Test Facility (ETF) at AEDC. This paper overviews the
measurement accuracy assessment methodology and its development background. The pro-
cedural steps in making an uncertainty analysis are reviewed, and typical results of an
analysis effort are illustrated by reviewing the elemental errors and uncertainties for
state-of-the-art measurement systems used in simulated altitude tests of air-breathing
engine propulsion systems. Typical elemental and combined uncertainties for measured
values of pressure, force, flow, and temperature and uncertainties of propulsion system
thrust and specific fuel consumption performance parameters are included.

LIST OF SYMBOLS

B The estimate of the upper limit of the bias error, either BX or By
BX The estimate of the upper limit of the bias error for an individual measurement

obtained by root-sum-squaring the measurements elemental bias errors
By The estimate of the upper limit of the bias error for a calculated performance

parameter obtained by propagating the measured parameters BX's through the per-
formance parameter equation

n The number of independent random samples of the underlying normal distribution
(sample size)

S The engineering estimate of the population data set standard deviation c, either
SX or By

SX The estimated standard deviation of an individual sample calculated from n sam-
pies [se Eq. (2.3)1

SX The estimated standard deviation of the mean of n samples [see Eq. (2.4)1
Sy The estimated standard deviation of a calculated performance parameter obtained by

propagating the measured parameters Sx 'a through the performance parameter equation
S The estimated standard deviation of the mean of n samples of the performance

parameter
t95  The 95th percentile point for the two-tailed student's "t" distribution; the t95

value is a function of the number of degrees of freedom used in calculating S
U The uncertainty or largest expected error. Defined as

Additive Model: UADD = ±(s + t95 S)

or

Root-Sum-Square Model: URS S - ± (B)2 + (t95S)
2

n

X An individual measurement, sometimes called an observation or reading
y A calculated performance parameter

1.0 INTRODUCTION

In 1965, JANKA, then called ICRPG (interagency Chemical Rocket Propulsion Group),
organized a Performance Standardization Coemittee to develop measurement uncertainty
standards for the rocket engine industry. A survey of the industry showed that there
were many different uncertainty assessment methods in use. The work of this committee, a
rocket uncertainty methodology (Ref. 1), was published in 1968 and received widespread
acceptance in the propulsion comunity. The successful application of the rocket method-
ology to gas turbines inspired the USAF Aeropropulsion Laboratory in 1973 to produce a
similar handbook specifically treating the gas turbine measurement process. This docu-
ment (Ref. 2) was given worldwide distribution by the USAF and was widely used within the

S"aerospace industry. In 1980, the Instrument Society of America reprinted the USAF docu-
ment as an ISA Handbook (Ref. 3). Many technical societies (BAR, Ref. 4; ASME, Refa. 5,
6, and 71 AIM, Refs. 8 and 14; and 1SO, Refs. 10 and 11) have adopted the uncertainty
methodology and produced documents applying it to specific measurement processes.

*The research reported herein was performed by the Arnold Engineering Development
Center (MDC), Air Force Systems Command. Work and analysis for this research were done
by personnel of Sverdrup Technology, Inc., AM Group, operating contractor for the AEDC

:' ' propulsion test facilities. Further reproduction is authorized to satisfy needs of the -"

'~ .,,~ ~ .*. Gvernment.
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The adopted uncertainty methodology fulfills a vital need for a standard method for
estimating errors so comparisons of measurement systems between facilities can be made
and the interpretation and understanding of error analysis can be unified. The method-
ology possesses many significant attributes including:

- a practical balance between engineering and statistics to deal with a
complex subject that does not lend itself to a vigorous, scientifically
correct answer for all situations. Monte Carlo simulation methods pro-
vided objective, comparative selection of the standard methodology
features from the many possible alternatives;

- a systematic straightforward approach which is understandable and
achievable with reasonable effort;

- an appealing approach to engineers because it is truly an aide in
understanding, improving, and comunicating measurement system perform-
ance;

- an evaluation of error sources independently so that the major error
contributors can be identified and improvements made if justified;
and

- a single number to describe the goodness of a test result with the
easily understandable interpretation that the single number is the
largest error reasonably expected.

Use of the uncertainty methodology since 1970 at the AEDC/ETF has been beneficial
in improving propulsion measurement techniques and practices and in establishing and
maintaining credibility in reporting propulsion system performance evaluations where
buyer/seller relationships are involved. Use of the methodology provides a vital thread
linking all phases of ETF propulsion test programs from the test program definition and
planning phase through the testing phase, and through result analyses and reporting. In
the pre-test phase, the predicted uncertainties are determined and the selected test
measurement systems and test techniques are compared with the program uncertainty re-
quirements.

The measurement systems and practices are selected to meet the program require-
ments while limiting resource expenditures. During testing, the measurement proc-
esses and test results are monitored and controlled to ensure that pre-test predictions
are either valid or that adjustments to predicted uncertainties are made based on the
actual performance of the measurement process. The larger error contributors identified
in the pre-test analysis are given special monitoring attention during testing.

The post-test phase activities analyze the test results for consistency with pre-
test error predictions and with actual measurement system performance information col-
lected during testing, and with post-test instrumentation calibration results. The ob-
jective is to ensure that the reported uncertainties are in fact representative of the
test results reported. Careful application of the uncertainty methodology provides the
necessary information for monitoring and controlling each phase of the test program and
thus ensuring that test program objectives are met.

The objective of this paper is to provide an overview of the basic principles of
the adopted uncertainty methodology, an overview of procedural steps involved in perform-
ing an uncertainty analysis, and example results from uncertainty analyses of typicalturbine engine test measurement and performance parameters. References are cited

throughout the text to direct the reader to a more detailed treatment of the topics over-
viewed. With the overview provided, it is hoped the reader would be able to structure a
plan for assessing the error sources and error estimates for his particular measurement
process.

2.0 MEASUREMENT UNCERTAINTY METHODOLOGY

A single number (some combination of bias and precision) in needed to express a

reasonable limit for error. This single number, called uncertainty, U, must have a
simple interpretation and be useful. It is impossible to define a single rigorous sta-
tistic because the bias is an upper limit involving judgment which has unknown character-istics. Any function of these two numbers must be a hybrid combination of an unknown
quantity (bias) and a statistic (precision). However, the need for a single number to

measure error is so great that the use of an arbitrary standard is warranted.

2. 1 Uncertainty Med

Two models are in use. The additive model,

f + t9  SE (see note 1) 12.2)

NOT381

1. in the rocket and turbine uncertainty handbooks (Ref. 1, 1969, and Ref. 2, 1973,
respectively) the uncertainty model is written as V = t (3 + t9581. In the more recent
uncertainty documents using the *&me uncertainty methodology (Ref. 8, Dr. Abernethy'

k~A
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and the root-sum-squares model,

- ( (see Note 2) (2.2)

where B is the bias error, S is the precision index, t 9 5 is the 95th percentile point for
the two-taile d tu et's " di tr buti n whose value i a function of the degrees-of -

freedom associated with the estimate, and n is the mle size associated with the

S estimate.

Either the UAD D or the URS S optiob may be used, provided the following constraints
are followed: (1) the randomnm systematic error components are separately propagaged
to the end test result, (2) the two error components are reported separately, and
(3) the choice of uncertainty mdel used is stated. Under these constraints, the uncer-
tainty, U, is the last calculation and way easily be redone, if desired. The estimated
confidence level or coverage provided by the UADD model is 99 percent and the URSS model

is 95 percent. Reference 4 provides comparisons of these two models based on Monte Carlo
simulations.

The RTF uses the UADD model as illustrated in the examples.

A discussion of the B, S, and t95 error terms follows.

2.1.1 Precision Error Avwn Iuasuressi

Random errors are encountered in re-

peated measurements and are the differences -V
between the observed values and the average
value of a very large sample. Repeated
measurements at steady-state (constant) s O1
conditions are not expected to produce pre- aPreiionf Errsr
cisely the same data. There are numerous,
small effects which may cause measurement
variations. These variations tend to vi Sbr i
spread about an average value in the
fashion of a normal distribution curve, S: Emtmikd
Fig. 2.1. The curve is characterized by
the standard deviation, a.

The precision index, S, is the com- PtMIrWrOfMiVIW
puted estimate of the standard deviation, Fig. 2.1. Normal Distribution Curve Result-
o, of the data and is calculated as fol- ing from Typical Steady-State
lows: Data Measurement.k-

Precision Index S- S1 (2.3)n~ ~ FL nune 
--Iasrmet

where
n - number of measurements

Xk - individual measurements
n

average value of individual measurements - -

The estimated precision index of the mean of the samples is calculated as

iS-- (2.4)

NOTES: (Continued)

AIAA Paper, 1985; Ref. 10, ISO (Draft), 1987; and Ref. 9, ANSI/ASME, 1985) the uncertainty

model is written as U - i (B + t 9 5  . Based on a thorough review of the documents and a

discussion with Dr. Bob Abernethy, the intent of the earlier S notation was to be

which is S used in the more recent model notation for thn estimated precision index.

Therefore, proper application of the two model expressions yields the same results. The

model expression using ._ is the preferred notation and is used throughout this dcnt.

Care must always be exercised to ensure that all of the estimated terms in the an-
certainty model are consistent with the measured and calculated results they represent.

" , '2. To help achieve national and international consensus on the standard uncertain-
ty methodology, the UNSS model has been included with the historical UA model method-
ology sinee 

about 1980 at the suggestion 
of the National 

bureau of Standards 
(1 38). The

* error components are identical in both models.

I JI
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2.1.2 Sims Error

The bias component is a fixed or ye- rruevalue Avmnp sures~mt
tematic error, B, which remains unchanged for Slo
the duration of a test. In repeated measure-
mants at steady-state (constant) test condi- -

tions, each measurement has the same bias
magnitude. The relationship between bias, 0 - Trus NoS Erm
precision, and the true value of the measured I - iu hwUi
quantity is depicted in Fig. 2.2. The magni- dS
tude of the bias cannot be determined unless
the measurements can be compared with the true
value, which is generally not feasible. There- 0
fore, bias limits (ID) are estimated using
applicable test information and engineering
judgment. Note that an uncertainty analysis
assume a carefully controlled measurement
process within which every known calibration
correction has been made. Because the cali-
bration corrections are not ideal, some small, PanllrMisurese Value
fixed, systematic errors will remain. The
bias limits are estimates of the largest po- Fig. 2.2. Bias Error.
sible remaining systematic error after all
corrections have been made.

2.1.3 t9 5

The t95 value is a function of the number of degrees-of-freedom, v, used in calcu-
lating S. For small samples, t will be large, and for larger samples t will be smaller,
approaching 1.96 as a lower limit. The use of the t inflates the limit U to reduce the
risk of underestimating S when a small sample is used to calculate S. Since 30 degrees-
of-freedom yield a t value of 2.04 and infinite degrees-of-freedom yield a t of 1.96, an
arbitrary selection of t - 2 for values of from 30 to infinity is used.

In a sample, the number of degrees-of-freedom is the size of the sample. When a
statistic is calculated from the sample, the degrees-of-freedom associated with the sta-
tistic are reduced by one for every estimated parameter used in calculating the statistic.

2.2 Uncertainty Interval

Figure 2.3 illustrates the UADD LarpstNq" Error LargstPosltlwError
limits which provide an estimate of the -U +U
largest error that may reasonably be ex-
pected for that measurement process. +
The probability that the *true* values
lie within the uncertainty limits is
known as the coverage.

A rigorous calculation of confi-

dence level or coverage of the true
value by the uncertainty interval is not
possible. However, Monte Carlo simula-
tions (Ref. 4) using various relative
sizes of the bias and precision compo- -
nents indicates that the coverage of uromm Scale
UADD is about 99 percent, whereas that US
of URSS is about 95 percent. -- unTrusewfSiMkWt In

In the case of nonsymmetric uncer- This I IN l
tainty intervals where the bias is non- Fig. 2.3. Measurement Uncertainty Interval
symmetric, i.e., B4 lk B-, see Ref. 2 for (Additive Model) Symmetrical Bias.
further discussion.

3.0 USING THE MEASUREMENT UNCERTAINTY METHODOLOGY

3.1 Getting Started

To get started, it is necessary to establish specific measurement uncertainty prac-
tices within your company's operation that meet the measurement uncertainty methodology
guidelines. In the AEDC/BTF, a coittee was convened, made up of members from each of
the disciplines involved in the measurement activities: measurement installation, cali-
bration, data acquisition, data processing, and analysis. The comaittee established
measurement practices consistent with the uncertainty methodology. This includes instru-
ment calibration practices, instrument installation requirements, error source identifi-
cation and classification (i.e., precision or bias), measurement evaluation practices,

q . and the measurement error evaluation procedures.

r. ° ,Provisions must also be made to continuously monitor the on-going test programs to
ensure that the measurement uncertainty requirements are being mt. This task primarily
coniits of reviewing test calibration data and taking random measurement samples, and
evaluating meaeuement repeatability and bias errors while the test is being conducted.
At the completion of the test, the final evaluation of the measurement uncertainty levels

"________.. ..-- _- ,nnu _ Il I I i. i1
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achieved for the test must be made and the results reported. The findings from each test
are used to establish a measurement uncertainty data base from which future pre-test pre-
dictions are made.

3.2 Steps In Performing Uncetlainty Analysis

Uncertainty analysis activities for test programs can be logically divided into
pre-test, test, and pot-teat phases. In the pre-test phase, the objective ia to deter-
mine if the test techniques/measurement systems satisfy test program uncertainty require-
menta. The objective during the test phase is to ensure that a well-controlled measure-
ment system exists throughout testing to produce valid results consistent with the pre-
test uncertainty analysis. The post-test phase reviews the pre-test analysis in light of
the actual test phase results and the post-test calibrations of the working standards,

Ssensors/transducers, and test systems; adjusts the pre-test error estimates as required;
and reports the test program uncertainty results. The analysis steps in each phase of
the test program are discussed in the following paragraphs.

3.2.1 Pre-Test Phase

a. Define the measurement process - The first step in any uncertainty analysis is to de-
fine the complete measurement process required to arrive at the desired result. In-
cluded will be the measurements and performance parameters including their uncer-
tainty requirements. The performance parameter equations are defined identifying all
measurements involved and the definition of each measurement process to be used, in-
cluding calibrations of all instrumentation and installed systems.

b. IdentifK all measurements to be analyzed - Analyze each performance parameter formula
by which the final answer will be obtained to identify all the equation terms which
must be investigated in the uncertainty analysis.

ML Ie error sources for each measurement - For each measurement,
.aa t othe ps sources of elemental errors. To aid in identifying error
sources and bookkeeping them, it is helpful to place the elemental error sources into
the categories of calibration, data acquisition, data reduction, and installation/
environment.

d. Obtain an estimate of each elemental error - Obtain an estimate of each elemental
error and initially classify as either a precision or bias error. Initially classify

Lan error as a precision error if the estimate is derived by a statistical analysis of
repeated measurements, and classify as a bias error if the estimate is from nonsta-
tistical methods. Assessment of both precision and bias elemental errors may include
analysis of information from the following:

A - measurement system end-to-end checks where known inputs are compared to the ob-
served outputs,

- calibration of test working standards and test sensors/transducers,

- special tests performed on systems or components to help quantify errors,

- analysis of redundant measurements, and

- engineering judgment of the most knowledgeable parsons about the error source being
estimated.

For the most complete understanding of a measurement system's performance, first assess
the elemental errors and then verify the results through end-to-end evaluations (ap-
plied loads tests). The elemental error assessment is beneficial in identifying the
major error contributors and in directing attention to critical errors to control
during installation and the test phase to achieve desired uncertainty results (Ref. 12).

The end-to-end evaluation is recommended as the preferred method of validating com-
bined elemental or overall system performance errors. Care is required in making
elemental error determinations since generally either interpretation of manufacturer's
specifications is required (vendors are generally not yet using the Standard Uncer-
tainty Methodology) and/or the judgment of the person most knowledgeable about the
error sources is required. Special tests analogous to end-to-end evaluations are
frequently used to help quantify elemental error values.

The final error estimates are generally a hybrid combination of end-to-end results
with some additional elemental error values to allow for the fact that the end-to-end
evaluations seldom account for all of the installation and test environmental effects,
for example, aerodynamic tap error associated with a static pressure measurement.

An estimate of the upper limit of the systematic error, B, is more difficult to ob-
tain than S. Caution should be exercised against the tendency to underestimate sys-
tematic errors especially when a subjective approach, like engineering judgment, is
used. Underestimating bias errors is partly through human optimim and partly
through overlooking the existence of some sources of systematic error. Even after
applying all known corrections through the calibration process, some systematic or-
rors will most likely remain and must be included in the error assesment.

Sometimes the physics of the measurement system is such that the systematic error may~, ,~,..be nonsymetrical. For example, hot thermocouples in the presence of colder walls,
radiate and conduct thermal energy away from the sensor, resulting in a lower

__~_~j .
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temperature indication. Thus the bias error limits are of the form B+ and B- versus
t2. See Ref. 2 for a further treatment of noneysmetrical bias limits.

a. Calculate the measurement error components - Calculate the precision index SX and the
associated degrees-of-freedom and bias limit B for each measurement.

The measurement error component SX is the root-sum-square of the elemental precision
errors determined in Step d above:

. J-l 1! 12

where j defines the categories (1) calibration, (2) data acquisition, (3) data reduc-
tion, and (4) installation/test environmental, and i defines the sources within the
categories.

Also calculate the degrees-of-freedom and the corresponding t95 value associated
with the SX .

In like manner, the measurement error component BX is the root-sum-square of the ele-
mental precision errors determined in Step d above:

= 2: - i2: lJ

B - l il BiJ
2

where j and i definitions are the same as above.

f. Propagate the measurement error components to the calculated parameter - Propagate
the measurement error components through the function to the calculated performance
parameters using either the Taylor Series (Ref. 2) or influence coefficient (Ref. 4)
method. The Taylor Series expansion of the function provides the partial derivatives
of the performance parameter with respect to the measurements. By inserting nominal
measurement values and measurement precision and bias error components into the
Taylor series expansion, the error components for the calculated parameter are ob-
tained.

The influence coefficient method is convenient for determining the sensitivity of a
result to a measured quantity (i.e., as the error propagated to the result due to
unit error in the measurement). Finite increments may be used to evaluate the influ-
ence coefficient method with computer calculations:

ARe i =A

The result is calculated using Yi to obtain R, and then recalculated using

(Yi + AY) to obtain (R + AR).

Regardless of the method used, the measurement error components, SX and BX, are
propagated separately to obtain the calculated parameter error components, Sy and Sy.
Also, evaluate the degrees-of-freedom for the Sy error component. If the degrees-of-
freedom was > 30 for all of the measurement SX's propagated, then the degrees-of-
freedom for the calculated parameter Sy will be > 30 and a t95 value of 2 may be used.
If degrees-of-freedom less than 30 was used for any measuremenL SX's propagated, then
the Welch Satterthwaite formula must be used for evaluating the calculated parameter
degrees-of-freedom (Ref. 2).

g. Calculate the uncertainty of the performance parameter - Calculate the predicted
uncertainty of the calculated parameter using the selected model UADD or URSS . If
the predicted measurement and calculated performance parameter uncertainty estimates
satisfy the test program objectives, then proceed with the test. If the uncertainty
objectives are not satisfactory, then we must find a way to improve either the
measurement systems, the calibration process, or the method for calculating the per-
formance parameter before proceeding with the test.

The uncertainty statement is termed predictive at this stage of the uncertainty
analysis process since unexpected influences or effects during testing may require
inclusion of additional error terms or changes to the pro-test estimated errors.
Care must be taken during the testing phase to ensure that these pre-test estimates
are credible. The next section discusses the measures required to ensure that a con-
trolled measurement process exists during testing.

3.2.2 Test Phase

A credible measurement uncertainty analysis requires a well-controlled measurement
process in which there are no gross mistakes or errors. It also requires that correct
calibrations have been applied. To ensure that a controlled measurement process exists,
all measurement systems should be monitored during their installation, calibration, and
pre-use periods. Assessment of the degree of control or closeness to pre-test estimate
assumptions may include information from the following:

........ * iII l i li II
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comparison of specific calibratioi results for working standards, sensors/trans-

ducers, and installed systems with their respective calibration history and pre-test predictions,

zero shifts in measurement systems from the beginning to the end of each testperiod,

- at condition and test article stability checks prior to and during each acquisi-
tion cycle,

- observed effects on measurement systema attributable to simulated altitude changes,
changes in engine service systems pressure, and changes in environmental tempera-
ture and vibration,

- comparison of like test conditions from test period to test period during the test
program,

- comparison of redundant measurements,

- comparison of related measurements or performance parameters,

- detection and elimination of outlier data values, and

- analysis of any special checks to ensure that large error contributing sources are
properly controlled.

The availability of information from the above list will be dependent upon the spe-
cific test program, the measurement systems involved, and the ingenuity used in planning
the conduct of the test program to acquire sufficient information to ensure that the
total measurement process is in control, end that sufficient information exists so the
post-test phase can confirm the pro-test analysis results or apply adjustments as needed
so the final error report credibly represents the test results.

3.2.3 Post-Test Phase

The test program post-test phase consists of validating or adjusting as needed the
pre-test uncertainty predictions to account for actual events/happenings throughout the
test program, make final classification on measurement system errors based on the defined
measurement process, and report the test data uncertainties.

Adust re-test error estimates - Information to be analyzed in the post-test phase
to validate or adjust pre-test error estimates would include the following:

- analysis of information obtained during the test periods relating to how well the
measurement process was in control or deviated from the pre-test error estimates,

- results of post-test calibrations of working standards, sensors/transducers, and
installed system, and

- comparison and consistency checks of performance results.

Based on the results from the above information, the pre-test error estimates are ad-
justed as required.

b. Final classification of re-test error estimates - The final classification (Ref. 4)
of the pre-test error estimates is based on the specific measurement objectives ob-
tained from the defined measurement process in the pre-test phase. Most test pro-
grams have multiple measurement/performance parameter objectives which are satisfied
with the same measurement systems. For example, one objective may be to measure the
absolute level of a performance parameter, and the second objective may be to measure
the difference in the same performance parameter before and after a test article com-
ponent change. The uncertainty of the absolute performance parameter would include
the precision and bias error sources, whereas the uncertainty of the difference in
performance parameters before and after a component change would not include the bias
error terms since they would be the same for the before and after test and would
cancel out.

The uncertainty results then would be quite different from these two measurement ob-
jectives even though they both involved the same measurement systems. The classifi-
cation of calibration precision errors (Ref. 4) will change if the measurement
process is such that the precision errors manifest themselves as a bias error in the 4
measured or calculated result. For example, if a particular measurement process in-
volved many calibrations over a long period of time, the calibration process preci-
sion errors would cause variations in the measured values. Conversely, if only one
calibration was involved, then the calibration precision error would manifest itself
as a bias error in the measured value. Precision errors which are reclassified as a
result of the defined measurement process should be marked with an asterisk (S*)
(fossilized precision error) (Ref. 4) and treated as a bias error.

c. feortina of msurement ncertainty - The report should include all of the informs-
dion necessary to describe and to allow for further propagation of measurement and
test result uncertainties. This requires reporting the error components and appli-
cable measurement or calculated parameter range for each measurement and calculated
parameter.

V"- ___
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The following error component and uncertainty information is required:

- S, the estimate of the precision index,

- v, the degrees-of-freedom associated with each S,
- B, the estimated bias error, and

- U, the uncertainty limit including the model, UADD or URSS, used.

Each teat facility should retain in their files the measurement system elemental er-
ror information for review as required to substantiate reported uncertainty results
and for use in performing pre-test uncertainty analyses for future test programs.

4.0 EXAMPLE RESULTS FROM UNCERTAINTY ANALYSIS OF TYPICAL TURBINE TEST
MEASUREMENT AND PERFORMANCE PARAMETERS

The AEDC/ETF simulated altitude test facilities use a variety of measurement systems
in support of airbreathing engine and rocket motor performance testing. The same uncer-
tainty methodology is used for evaluating measurement systems used in both types of
testing. In .his paper, examples from airbreathing engine testing are used.

Example error assessment results are provided for the measurements of aerodynamic
pressure, temperature, airflow, fuel flow, and scale force. The error components from
these measurements are then propagated to the calculated parameters, net thrust, and
thrust-specific fuel consumption. The results are representative for steady-state test-
ing of a nonafterburning, low-bypass turbofan engine. The examples use the UADD model
which has been the practice of AEDC/ETF since 1970. The several turbine engine test con-
figurations from which the examples are taken are described in Section 4.1 (Refs. 12 and
13). The specific examples are included in Sections 4.2 through 4.7. Each example gives
a brief description of the measurement system, a table of the error sources and estimates
grouped into the categories of calibration, data acquisition, data reduction, and instal-
lation/environment. A summary table gives the error components by category and the error
components and uncertainty for the parameter.

The error components and uncertainty values are calculated from the error source
audit table values, assuming that the defined measurement process is such that the cali-
bration precision errors are not reclassified. In some cases, the calibration precision
errors would become reclassified or fossilized as discussed in Section 3.2.3-b and,
therefore, treated as a bias error.

The format of the error source audit table provides sufficient detail of the errors
involved to easily reclassify/recombine them into error components consistent with the
test objectives.

The airflow example in Section 4.4 uses the pressure (Section 4.2) and the tempera-
ture (Section 4.3) measurement error components along with the other required error
sources, as shown in Table 4.4.1. The Table 4.4.1 error components are then propagated
to the airflow parameter through the influence coefficient method, as illustrated.

Error calculations for net thrust and thrust-specific fuel consumption requires both
the error components for all of the measurements involved and the influence coefficient
for each measurement at the desired altitude/Mach number test condition, as illustrated.

Tables 4.7.1 and 4.7.3 are illustrative of the uncertainty information required in
test reports, as discussed in Section 3.2.3-c.

4.1 CGewral Test Configuration

The examples are from the so-called diiect-connect test configuration. This configu-
ration derives its name from the fact that the engine inlet is directly connected to a
controlled air supply system. The engine exhaust exits into a separately controlled en-
vironment.

The direct-connect configuration provides the best opportunity for the measurement of
the steady-state behavior of the axial component of thrust produced by a turbojet or
turbofan engine. The essential features of the direct-connect configuration are shown in
Fig. 4.1.1. although there are a number of hardware options available to implement each
of the key functions in a direct-connect test configuration, it is nevertheless essential
that each of the functions represented by these specific hardware items identified in
Fig. 4.1.1 be successfully implemented.

First, the flow of air through the engine must be known very precisely. The venturi
shown in Fig. 4.1.1 represents one of the devices available to accomplish this measure-
ment. After the flow rate of the air is determined, the temperature and pressure pro-
files entering the engine are made uniform by use of flow-straightening screens, a plenum
chamber, and a bellmouth. The engine exhaust gases are removed from the cell through the

* , exhaust collector. The simulated flight conditions are set by control valves upstream of
, : the venturi to provide the desired temperature and pressure to the engine inlet and by

control valves downstream of the exhaust collector to set the desired altitude ambient
pressure in the test cell.

I.I <
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Fig. 4.1.1. Direct-Connect engine installation.

4.2 Aerodynamic Pressure Measurement Pesr
*. 21 eiuren.~ rocePressr
4.2. MesurmentProessCalibrator

The most comon method of meas-Pesr
uring aerodynamic steady-state Pesr
pressures in with strain-gage pre&- Transducer
sure transducers calibrated in- Pr, To DebS
place with a standard quartz pres- PesAcquisitioni
sure generator. Vim n ~ n~m Sse

Normally the pressure masure-J
ment is made with a single
transducer; however, for widely Aldiis Tom Coll
varying ranges of pressure in a
program this my not be adequate.
As alternatives, delta pressure If ai
transducers or multiple ranges of Pesr rw
transducers might be used. Figure Pesr re
4.2.1 shows a typical installation Egnwhere several pressure probes are
multiplexed onto one pressure
transducer.

4.2.2 Error Source Audit

Typical steady-atat. elemental

error sources and error estimates Fig. 4.2.1. Engine Inlet Aerodynamic
for a turbine engine test are Presaure eaurement.
tabulated in Table 4.2.1. Table 4.2.2 provides a smary of the errora of each group and
the error components and uncertainty for the Measurement using the UADD Model.

4.3 Tempersture Measurement

.31 Memsuremsent Process

most temperature measurements are made with thermocouple probe.. The most cosmmonly
used types of therJocouples at ARDC are Chromelie-Alssaels for temperatures in the higher
rane (100 to 1100 C) end copper-constantan for temperatures in the lower range (-40 to
2 60
0
C

Thermocouplet systems are calibrated by insertion of millivolts from a standard volt-
age source. The voltage to temerture conversions are accomplished with polynomial
equations which approxcimate the National Bureau of Standards tables of the International
Practical Temperature Scalet (IPTS) for each thermocouple type.

Figure 4.3.1 shows a typical engine inlet thermocouple rake connected to an in-cell
thermocouple reference unit.

4.3.2 Error Seerce Audit

Typical ateady-state elemental error sources and error estimates for a turbine engine
teot are contained in Table 4.3.1. Table 4.3.2 provides a sumary of the errors by group and
the error components and uncertainty f or the temperature Measurements using the UAID model.
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Table 4.2.1. Aerodynamic Pressure Steady-State
Elemental Error Source Audit.

*l~budgtLeIa La~lyp korosae Prommom Anwsm@M Range

lid Uem W

Pwao o.woms Percent Table 4.2.2. Aerodynamic Pressure
Error Source Of (1 fSteady-State Error

Raing Fr*Wm Reading Source Audit Summary.
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4.4 Airflow Mauremsent

4.A. 1 Memurmrent Process MtassuFlow Egurtion

Airf low rate measurements for gas turbine engines c:> M.WA "tiCO- PithAIrs'

ore generally made with a critical flow (sanic) van- wh--.. aire C Isa thertcally
turi (illustrated in Fig. 4.4.1) and shown in the test dlrldshrlcd
configuration in Fig. 4.1.1. Critical flow venturim ~ ln hc ont o
are designed to operate with sonic flow at the nozzle bocthicous and Inertial
throat plane and, an much, do not require a meamure- Ofcs
Ment of the flow-field velocity. The variablem in-
vo lved in the calculation of engine airflow, are alma Fig. 4.4.1. isolated Critical
shown in Fig. 4.4.1. Flow Venturi.

4. 4.2 Error Source Audit

The steady-state elemental error sources and error estimates for each of the airflow
equation terms are tabulated in Table 4.4,1. Table 4.4.2 gives an error suimmary for each
equation term. Also, the influence coefficients are defined and the resulting airflow
measurement error components end uncertainty are presented in Table 4.4.3.

Table 4.4.1. Airflow Steady-State Elemental
Source Audit.

Noaulouiurning, Lowt-SBymss Turbn Arie lasesrellert Range
20 to 10 iltsec

Precision Index Bins Umit

Percent Degrees- Percent
Error Source of Of- of

Reading Freedom Reaing

1. Total Pressure (Same
as Engine lnlet Til CL07 >30 (1147
Pressure, Fig. IL2.1)

11. Total Temperature
I am* as EnginelInlet 0.6 >30 (2
TIta Tampeature.
Fig. 4.3. 1)

Ill. Venturi Throet Area
a. Calibration Transfer 0 0.013
6. Instrument Error 0 a of

Saras 0area- I

IV. Venturi Dischiarge
Coefficient
a. Viscous Boundary 0 0.0(a

b. Insrtal Proile 0 0.01I

CD ~ 'C lu___ I_____

Table 4.4.2. Airflow Steady-State Error Table 4.4.3. Influence Coefficient Matrix
Source Audit Summary. for Airflow.

Pracistun~~ he SlsUd nfluence Coefficient L- I

Percent Degrees- Percent IlIW
Error Source cI - Ii lndaendent Parameter Afltde -Soo Level Altitude - 00 fl

Oecing Freeo Ring _________ Noci~t. -0 Ahbtta. - Q9

Total Pressure 0.0? >30 0.13 Total Presiure 1.0 1.0

Total Temperature CL 01 >30 0. 22 Tel'OW arature -115 -115
Ventri Throat Area 1.0 1.0

Venturi Threat Arm 0 OL(5 Venturi Dscharge Coefficient 1.0 L.0
Venturi Discharge 0 a.10 Error Components: SWA ' iO0?6percent 5 WA" IQ 22perd

coomlemUncrtanty: 1 lAD * 0. 22 + Z DI.761 0.37 pecnt
*The perI differential value of i *11c with respect to the Independent
parmeter times Ute rafte of the Independent Waameter to airflow with
all other parameters held constant

.5 Fuesal-Flow Memmurerent

. S.1I Oilemsaeet Process

The most comon 'ethod of measuring engine fuel flows is with calibrated turbine-type
I lowsseters which produce an output signal whome frequency is proportional to the volume
flow rate through the meter. Turbine meters are calibrated by flowing a measured Volume

ik'1
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of fluid through the meter and recording the total number of turbine meter cycles
(pulses) generated.

At AEOC, to minimize the uncertainty of the fuel-flow measurements, up to three
ranges of flowmeters are used to cover the engines total fuel-flow operating range. A
typical engine fuel-flow installation, along with the variables required to calculate
fuel flow, is shown in Fig. 4.5.1.

Erqine

Facilty High Range

FueFul Sulpe Fluationr

Wf - flAbler Calibration Faco, Fuel Temperature. MeOW Output Frequency. Fuel
Viscosity. Fuel Specific Gravity)

Fig. 4.5.1. Fuel-Flow Measurement System.

4.5.2 Error Source Audit

The steady-state elemental error sources and error estimates are shown in Table 4.5.1.
Table 4.5.2 provides a summary of the errors by group and the error components and un-
certainty f or the fuel-flow measurement using the UADD model.

Table 4.5.1 Fuel-Flow Steady-State Elemental
Error Source Audit.

tdaneteburning. Low-Bypass Turbofan Measurement Range
600 to 15W0 gisec

Precision 'Index Dias Limt

Ero orePercent Degres- Percnt Table 4.5.2. Fuel-Flow Steady-State
Readling Frediom Reading Error Source Audit

1, Calibration (Transfer Error) Summary.
a. National Standard to 0.00ti >30 0.07

Labatlory Standard Precision loden Bias Limit
b. Laboratory Standard 0.011 >30 0.01 Percent Degrees- Percent

to Working Standard ErrSuc fo-O
c. Working Standard to a 10 >30 Err0ur5 Reain Freof- Reain

Measurement System Scal. a4 101 "'c30> Bcal' IQ 013 Calidatio 10e1 o Re30 Ading3
If. InstlliationEnvironment Transfer Errsor 10 3 ±.1

a. Flawmeter Orientation Negligible Negligible Intlafr
b. Plumbing Configuration (101 >30 Negligible Enironment lo. 057 > 30 ±0.11
c. Thermat Effects Negligible 0. 01
d. Specific Gravity 0.0 >30 0.10 Data 5 53 02
e. Viscosity 026 >30 OAS0 Acquiition iS >0 a2

5 I/E (17 ofLE> 30 B6 II' a11 Da

Ill. Data Acquisition iT i EPrcsio ±
a. Electrical Simulation 0.002 >30 a.301 Error CopIots S. ..Fr. - 19 Boa 81  - &0.24
b. Signal Conditioning 0.15 >30 0. 21tta
c. Analog-lb-Digital 02 >30 0.01 Ucrany ID 10 4 2&11 6 acnIConversion 

5
DA~ ' d0I5fDA > 30 DA - I 2 netit uiii.2agl tpc

IV. Data Processing
a. Cometlor Resolution Negligible Negligibie
b. Curve Fitting ?.figible 0.105

S 0 1 ' 4 1 dftl >30 1 1total~002

4.6 Scale-Force Measurement

O.G. 1 Measureent Process

The essential characteristic of the scale-force measurement method is that the engine
is installed so that it ay be handled as a free body, and the net forces acting around

q the free body provide a measurement of the engine gross thrust. The scale-force measure-
ojment method reursthe use of- thrust sadwhich atahsdirectly toth engine

reursofAsad atahst

kI
t t4 .t - - o;4_1
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mounting hardware. The essential functions of a thrust stand are shown schematically in
Fig. 4.6.1.&.

In the altitude test cell configuration, the engine thrust stand measures only a por-
tion of the axial forces present on the metric engine free body. The total forces acting
on the free body for a planar nozzle engine, the simplest of the engine arrangements, are
shown in Fig. 4.6.1.b. The gross thrust, Fg, is the sum of the momentum and pressure
area terms at the engine inlet and the scale force measured from the engine thrust stand.

ElihrudtFrm

Orenu Phne pus calibration an musuring fquimsem
E Morne AbuTi

lThrust Cabrs ft 1Li Drag Calbsi

Lad Train CulTrain LwCoi Train

Note Po Is the unlifm pressure
in the test cell.

lu I Engine I (A(A--A)

FFreIJ. . Thrust Fme ssiembdl o ThruotA I .Aon

I I

Fig. 4.6.1.a. Thrust Stand Schematic. Fig. 4.6.1.b. Total Forces Acting on the
.- Free Body for a PlanarPNozzle Engine.

F.e.2 Errer S7rce Audit

An example error audit for a nonafterburning, low-bypass turbofan engine test is con-
tained in Table 4.6.1, which identifies and quantifies the individual error sources.

' Table 4.6.2 shows a semmary of the errors by group to show the relative influence of each
group. The scale-force error components and uncertainty using the UADD model is also
shown.

4.7 Net Thrust end Thrust-Specific Fuel Consumption

The net thrust is determined from the engine gross thrust (shown in Fig. 4.6.1,b) by

subtracting the ram drag. Rain drag is the product of airflow and flight velOcity.

Net Thrust - Gross Thrust - (Airflow x Flight VelOCity)

The s eific fuel consumption is

Thrust Specific Fuel Consumption Fuel Flow/Net Thrust

The final error results from each of the measurement systems are propagated to obtain
the total measurement uncertainty for the overall engine performance parameters. These
measurement error results are shown in Table 4.7.1.

Table 4.7.2 provides the sensitivity of turbine engine net thrust to each of the in-
dependent error sources. As would be expected, the measurement uncertainty is strongly
influenced by the engine cycle nd engine operanit iions of altituder r ach n be.
and power shows a sensitivity is expressed in terms of t.,e influence coefficient,

Independent
2FN i Variable

4(Independent F

Variable)
For example, for s one-percent change in scale force, the net thrust will change 0.87

.percent at see-level conditions. The influence coefficients are cmbined with the preci-
esion nd bias error components to obtain the net thrust uncertainty presented in Tablei

mesrmetero7.3lsae.hw i ale471

'+ ,-Tb 4 i
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Table 4.6.1. Scale-Force Steady-State Elemental
Error Source Audit.

Itlhrafm0urninn. LOe-Bypans Turah. Veasurmerna trng

15K to OK It
Precisbon Index Bias mint

Vaunt Degrees- PercentError Sorce Of 01- cal Table 4.6.2. Scale-Force Steady-StateRegino Frdne un Error Source Audit
1. Calibraion. Miansken Errorl Summary.
a. NatioalSandrd to (in60 >30 (003

Lartoy StandBUen
b. Laboratory Standd O (W9 >30 a(027 Prectsio ela Sia uni
re Woring Snard O 6 3 0percent Degrees- percent

AllsCurmunt Systeem f~T ~ S 012 Reelln Freeoeer Reading
11.l Calllto/Evro n Caibalo

a LoColAtmoIt (115 >30 a106 Transdar Error 2110__ >_0____ lo
Pressure ____

. Tarsed oh0ta >30 (10W3 Iesw5Ivadte an >30 *OL27
c. Centrlne Loading Q(1 >30 (106 rEftuest
d. Thermeal fects (1 067 15 (109 BoDadaE )a ol atldting Ar a = >30 a1007 0(10 3 0(01
I. L*5rinth Sao] (102 12 (.02-

Allsatt9Thlent 'I I IIE > ASlIE ~Y 09oessig 0 >0 0
Ill. Data Acquisitio 

. 10r1a Ecitato b (1333 ol >30 atoll Error Cssapoents: Stahl to 2 Stahl~ (13
I. Electrical Simulation (10Oil >30 (1066
c. Signal Conditioning a1013 >30 ItylglIbhe tuncoariw- UAD 1 [(0 171 + 210 3211 - 10.41 percent

IV. Data Processing
a. Capular Ressolution Osotiible Nesgligiblea
b. Curns Fitina Negtitbt. Negil'e

S31P.*
0  

8 P.o

511**L1 dltotai> 
30  

OtI 00316?

Table 4.7.2. Influence Coefficient
Table 4.7.1. Steady-State Measurement Matrix for Net Thrust

Uncertainty Estimates (Nonafterburning, Low-
(Nonafterburning, Low- Bypass Turbofan at
Bypass Turbofan). Military Power).

Prectiin Bins thclng nleceoadn F
Index (Sl Lintt lei _________ l8lt FN

Percent IDegrees- Percent Percent Itnleerdent Parameter AtraeS entIAfituad. 3(1. OD0
Pararnelsr Raoe of OI ad of RiCI.Fh No -iIM .9

Rsading Freedas Redng Reading Scale Force 1107 (1 76
Flor Toal 35 O0KPA 1Aw >?30 &*15 0li 2; Engne InletTotal Prssure 1.30 Los
Presre - ___ -ttel~srt~ 1?(
Flow Take] 233 to338

0
K t0o. >b30 10. 2 0(1 34 La SllSb*Pressure 4(s -a 04

Scae 5nc Sto 5K N 0AL12 >30 ta37 to. 1 Test Cal Ate01enPressure -1341 -a55
Fuel l o (1n.Oclms & 19 >30 1% 4 *0, 6 Venturi Itnad Tteal Pressure (114 437

Airt IOCkgse: ±0106 530 0(1227 0(137 Venturi inletttaleert 407 (130s
-The Partial dlttiereettat net.,. of net thrist with respect toil theIdgeendent
Periee timnts the rallthe 0'ndoerv1.nt prameter toenot thrust with'

fTable 4.7.3. Steady-State Engine Performance P.aramenter Uncertainty
Estimates (NonafterbUrning, Low-Bypass Turbofan).

____ w iThrest Spei Fuel Coxiauttylon

PNW. Precson ona UAW P1,41111,10 Sian UAW
Codiins Inlne Percent Begrees pereiPnaercent B; pl arges- Peirmit Peme

afth Attde Poar ad of a ad of 01- of 0

rnumer IT Iit ale fa V*al lalue Value fRoe. Vease Valuex

SF LU R y all 'g >15 (13 (16 (26 >30 14 0 (1

(19 311 Budey, (16 >30 Q,3 14 (123 >30 0.34 (1U

_ III .-. -



8-15

5.0 CONCLUDING REMARKS

This paper reviews a standard measurement uncertainty methodology, its development
background, and national and international acceptance. The general procedural steps in
applying the methodology to measurement processes were reviewed, and examples illustrat-
ing results of uncertainty analysis fro

m 
typical turbine testing measurement systems

showing both error source audits and uncertainties from the AEDC/ETF were provided.

Implementation of the uncertainty methodology provides (1) a systematic way to eval-
uate and report measurement uncertainties, (2) a basis for a detailed understanding of
measurement systems performance such that system improvement planning can be based on
cost versus benefit analysis, (3) information to enable the selecting and tailoring of
measurement systems and practices to meet test program requirements, and (4) a basis for
comparison of test results between test facilities.

Future efforts should be directed toward total national and international acceptance
and implementation of the described methodology by the propulsion testing industries,
instrumentation manufacturers, and others related to the testing industry. The propul-
sion testing industries should continue to explore ways to improve estimating and
validating bias errors through cooperative efforts.
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THE ACCURATE MEASUREMENT OF DRAG IN THE 8 PT X 8 PT TUNNEL

by

M. . Wood and D. S. Capps
Royal Aircraft Establishment

Bedford NIJ41 6AE UK

SUMMARY

The techniques currently adopted in the 8ft x 8ft Wind Tunnel at RAE Bedford for
the accurate measurement of drag are described In detail. Data are presented from three
series of tests on a model of the A 310 aircraft and these demonstrate the level of
accuracy which can be achieved.

LIST OF SYMBOLS

CA' residual coefficient of axial force (body axes)

CD coefficient of drag

CD' residual coefficient of drag

CL coefficient of lift

CN coefficient of normal force (body axes)

C11 residual coefficient of normal force (body axes)

M Mach number corrected for blockage effects

AN increment In Mach number due to model blockage

a incidence

4 roll angle

1 INTRODUCTION

The accurate, repeatable measurement of drag presents the wind tunnel engineer with

one of his more difficult problems. In particular, measurement of the drag of a subsonic
civil transport model at cruise conditions to the accuracy required for project evaluation
provides a most severe test of quality for the tunnel environment, instrumentation and
experimental procedures. Cruise conditions for such a model represent a drag coefficient
of approximately 0.03 at a lift coefficient of 0.5. Thus the achievement of an accuracy
of one drag count (is 0.0001 on CD) requires the direction of the resultant aerodynamic
force on the model to be defined to an accuracy of 0.01', which presents a daunting
challenge.

The RAE has a long history of involvement in drag measurement for research and
military and civil projects, and the techniques currently employed In the 8 ft x 8 ft Wind
Tunnel are essentially the same an those developed over 20 years ago and described in
Ref 1. In the intervening years the Instrumentation and data acquisition system have been
transformed and there have been some refinements In technique but both the strain gauge
balance design developed In the 1960's and the basic philosophy have stood the test of
time.

This Paper describes the process by which drag data is produced for British
Aerospace in support of the various Airbus projects. Before It can be used directly for
project evaluation the data must be corrected for support sting interference, wake
buoyancy effects, model distortion, transition trip drag, tail plane trim drag, propul-
sion effects etc, but these are topics in their own right, some of which are discussed in
Ref 1. It seemed appropriate in this Paper to concentrate on a detailed discussion of the
problems involved in generating the basic drag data which form the essential starting
point for these additional corrections. Some of the problem and techniques adopted are
specific to the environment of the 8 ft x 8 ft Tunnel and the Pquipment which is available
but it is hoped that the overall picture will be informative.

Data from tests on a model of the A 310 configuration are presented. This particu-
lar model has been tested on three separate occasions over a period of four years, Involv-
Ing two different strain gauge balances, and the data should offer a fair picture of the
accuracy and repeatability which is possible with sufficient care and attention to detail.

2 DESCRIPTION OF THE WIND TUNNEL

The 8 ft x 8 ft Wind Tunnel is a conventional, preasurised, continuous flow tunnel
, .. (Fig 1) which has several unusual features. The number of compressor stages can be

varied, with a permanently installed low pressure section (originally with four stages but

- .
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now with only two) for subsonic testing, and a removable six stage high pressure section
which is inserted for testing at supersonic speeds. The roof and floor of the test sec-
tion and nozzle consist of long flexible plates which can be continuously adjusted to
generate the required supersonic flow. The diffuser has movable sidewalls which are
adjusted to improve pressure recovery at supersonic speeds. They can also be used to
generate a sonic throat immediately downstream of the test section for control of subsonic
Mach number above Mach 0.4 and incremental steps of 0.001 in Mach number can be readily
achieved. At subsonic speeds, the sonic throat also inhibits the upstream transmission of
aerodynamic noise generated in the diffuser, resulting in a quiet flow in the test sec-
tion. The flow quality is further enhanced by the presence of a horizontal tube cooler
upstream of the settling chamber. This consists of over 57000 tubes 5 a long and 30 m
internal diameter and acts as an extremely efficient honeycomb.

The tunnel has good control of stagnation pressure, temperature and humidity down
to a frost point of -400C, and the operating range of the tunnel (Fig 2) offers a useful
variation in Reynolds number, particularly at subsonic speeds. Sting mounted models are
firmly supported from an extremely stiff quadrant giving precise and repeatable control of
model attitude.

In summary, the design of the tunnel and the control of flow parameters provide an

excellent environment for high quality aerodynamic testing.

3 THE BALANCE AND INSTRUMENTATION

Details of the strain gauge balances used for Airbus testing are presented in
Fig 3. The balances, manufactured from maraging steel, are 76.2 -m (3 inches) in diameter
and are designed for a maximum normal force of 17.8 kM (4000 lb). At each end of the
balance there is a taper joint of 16* included angle and great care is taken with the
assembly of these joints when rigging the model to minimise the effects of joint slip.
This cannot be completely eliminated and the effects need to be measured as part of the
experimental technique described later.

The balance bridges are thermally compensated for zero shift but not for variations
in Young's Modulus. The effects of possible thermal gradients along the balance are mini-
mised by the use of dual element gauges and by careful positioning of the bridges.
Temperatures are monitored at several points on the balance during wind tunnel testing.
The basic calibrations over the design load range are carried out at room temperature and
the partial calibrations described in section 5 are made at more representative tempera-
tures to define the sensitivity of each individual balance channel for use in the data
reduction process. Experience over many years has established that the balance design is
basically sound and that the calibration can be adequately defined over the complete load
range by means of simple first and second order interactions.

The balance signals, in the t10 mV range, are passed through individual 1000:1
fixed gain amplifiers and low pass filters which are usually set to 1 Hz for accurate drag
measurement. The unfiltered signals are also monitored to provide a continuous check on
the dynamic behaviour of the model. The filtered signals are multiplexed through a 16 bit
analogue to digital converter scanning at 70 KHz. Several samples of data are taken at
each test condition, inspected for noise and then averaged. Electrical noise Is minimal
and the resolution is more than adequate; typically one drag count represents about 25 ado
counts for the data presented in this Paper. The amplifiers can be calibrated at any time
during a test as can the ado using a 16 bit binary voltage source.

Quadrant attitude is monitored by an absolute encoder having a resolution of 0.001"
and calibrations have established that the simple rack and pinion drive is extremely
linear with no discernible hysteresis. The sturdy construction of the support system
ensures that the attitude of the quadrant is unaffected by aerodynamic load. Deflections
under load of the sting and balance are calculated using calibration data generated during
the test series as explained in section 5. An inclinometer can be mounted in the model as
an additional check on incidence but this is not essential to the technique.

The various reference pressures which are required for the data processing are
measured by individual self-balancing capsule manometers (Ref 2). Although these
manometers, with large internal reservoirs, have a slow response, they have a very stable
zero and calibration and have proved extremely reliable for over 30 years. The manometers
recording stagnation pressure have a resolution of 0.01 Inch of mercury (0.34 mbar) rep-
resenting 0.016S of set pressure at high Reynolds number. Those recording the various
wall hole pressures have a resolution of 0.005 inch, (0.17 =bar) 0.024% of dynamic
pressure at cruise Mach number.

4 A 310 MODEL INSTALLATION

The A 310 was represented by a model of approximately 1:26 scale with a wing span
of 1.67 n (5.48 ft) and an overall length of 1.75 m (5.74 ft). The tailplane and nacelles
were not represented for the particular tests discussed in this Paper. Transition bands,
comprising a sparse distribution of appropriately sized glass beads retained by a thin
film of epoxy adhesive, were applied to all surfaces. The mass of the model varied over
the three series of tests, averaging 158 kg (348 lb).

itoaThe model we.. supported on a 76.2 m (3 Inch) diameter sting (Pig 4) which poo-
.tioned the balance centre 185 me (7.3 inches) upstream of the centre of rotation of thequadrant. The forward attachment block was designed to incline the fuselage datum 3' nose

• . . --
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down relative to the sting/balance axis. The cylindrical cavity in the rear fuselage, to
provide clearance for sting/balance deflections, had a diameter of 95.2 mm (3.75 inches).

5 TEST PROCEDURES

All drag measurements on Airbus models follow well established test procedures.
Prior to the main test runs a short 'warm-up' run is carried out in which the tunnel is
operated at representative test conditions and the model is taken through the full antici-
pated range of aerodynamic loads. This short preliminary run brings the model, balance
and tunnel up to a reasonable working temperature and level of dryness, as well as exer-
cising the balance and the various joints in the support system.

Balance measurements are taken before each run at several angles of pitch and roll
to determine the weight of the model and the 'zero gravity' sero for each balance channel.
The model weight is a significant proportion of the subsequent aerodynamic loads and a
detailed Inspection of the pre-run data provides a check of some of the parameters being
used for the data reduction.

During a test run, drag polar$ are generated at a range of Mach numbers glose to
cruise, generally at one fixed Reynolds number which for the A 310 was 6.2 x 10

o 
based on

aerodynamic man chord. Measurements are made with the model at roll angles of 0" and
180%, the data being used subsequently to confirm or re-determine some of the parameters
used in the analysis, as explained in section 6.

An unfortunate feature of the 8 ft x 8 ft Tunnel is that up to 75 minutes can
elapse between taking the Initial balance zeros and achieving the first set of test con-
ditions. This is due partly to the need to synchronise the main compressor drive motor
with the power supply and partly to the slow charging rate currently available. During
this period it is possible for the balance zeros to drift slightly so, after the main drag
polars have been completed, a small amount of data is repeated at each Mach number and
then the tunnel is stopped and brought back to atmospheric pressure as quickly as
possible, generally in less than ten minutes. Data taken before and after the run are
inspected and the repeat wind-on data is compared with the main drag polars to confirm
that the indicated drifts during the run are within acceptable limits.

In each test series a run is carried out to confirm that boundary layer transition
has been adequately fixed at the test Reynolds number, without being over fixed. Visual
techniques have not, up to now, proved successful in the 8 ft x 8 ft Tunnel and the method
currently In use is to measure the drag at a fixed Mach number over a range of Reynolds
number and to compare the data with theoretical estimates.

Finally, before the model/sting assembly is disconnected from the quadrant, a
series of dead loads, combinations of normal force, axial force and pitching moment
covering the range experienced during the tests, are applied to the model which is sup-
ported in an inverted position. These loads provide a check of the primary sensitivities
of the balance channels and of the more significant interactions onto axial force. In
addition, the angular deflection under load is measured between the quadrant and the model
datum, including the small but significant Internal deflection between the model datum and
the 'live' end of the balance.

At each loading the quadrant Is adjusted to maintain the fuselage datum at a fixed
attitude, generally horizontal but 3* nose up for the particular A 310 configuration
because of the model/balance angle. Indicated balance loads and quadrant attitude are
recorded. When the loadings are complete additional measurements are made to determine
certain angles which are required for the data reduction. They include the pitch angle
which would exist, under zero gravitational force, between the roll axis and the fuselage
datum and between the balance and the roll axis. The significance of the various measure-
ments Is discussed in the next section.

This calibration process is time consuming and it would clearly be far simpler to
use a standard calibration for the balance and an Inclinometer to determine the attitude
of the model. To adopt such a technique would involve ignoring the possibility that the
balance primary sensitivities and interactions, as well as the internal model deflections,
may depend on the particular installation, whereas experience in the 8 ft x 8 ft Wind
Tunnel has shown that drag accuracy Is lost if these factors are ignored.

6 DERIVATION OF PARAMETERS FOR DATA REDUCTION

Each balance has a well defined calibration consisting of primary sensitivities
together with matrices of first and second order interactions referred to axes aligned
with the 'live' end of the balance. An instrumentation fault is suspected if any primary
sensitivity indicated by the in-stream calibration differs from the standard value by more
than 0.25%. A further check on the primary sensitivities of the normal and axial force
channels can be obtained by comparing known values of model weight with those derived form
the balance data taken before each test run.

For convenience, and to avoid the need to determine separately the flexibility of
the model/balance connection under applied normal force and pitching moment, the balance
interations are re-defined so as to refer to axes which are fixed In the model and aligned
with the forward end of the balance at zero load. In particular this can requIr, appreci-
able changes to be made to the interactions onto axial force from (Normal force) and
(Normal force) x (Pitching moment).

, ,,
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The total deflection of the sting/balsnce/modl assembly can be as high as 1.2 at

the test coZitions appropriate to cruise. The response to load is linear except for
small differences between data for increasing and decreasing load, due to slight hyster-
esis in the slip of the various joints In the support system.

The data from the in-stream calibration is processed using the derived balance
parameters together with the measured angles and flexibilities. The analysis should con-
firm that the model was at zero Incidence with seo applied drag force throughout the
calibration and there Is some scope for fine tuning of the various parameters to Improve
the collapse of the data. The analysis of the aerodynamic data from the main tests, par-
ticularly comparisons between measurements made at roll angles of 0' and 180' may suggest
the need for further small alterations to the processing parameters, as discussed In the
next section. The final choice of parameters, which to individual to the particular test
series, is based on an overall assessment of the available data.

Turning now to the tunnel airflow parameters, Ref 3 describes in detail the method
adopted for calibrating the solid-walled test section and for determining the dynamic
pressure at the model, corrected for the effects of blockage. Pigs 5 and 6 shove the
variation with Vlach number of the theoretical Increase in Mach number due to blockage at
the model reference point and the residual variation over the planform of the model at
Mach 0.78. The same linear theory can also be used to estimate the changes In static
pressure at selected positions on the roof and floor of the test section adjacent to the
model. Comparison between the estimated changes at the wall and those actually measured
during the testa generates a correction to the estimated blockage effect at the position
of the model.

The mean cross-flow at the model Is determined by comparing the variation of lift
with Incidence measured with the model mounted at roll angles of 0 and 180. A downwas
angle of approximately 0.03 is Indicated, which is relatively independent of Mach number
and Reynolds number.

7 ANALYSIS OP THE A 310 DATA

Three series of tests were performed on the A 310 model, in 1983 using the 3 Inch
t0o balance and in 1986 and 1987 on the 3 inch IQ' balance. The model was assembled to
nominally the same aerodynamic standard for each test series with the same position and
quality of transition bands. Because of practical difficulties experienced during the
first two series, there was some uncertainty about the derivation of some of the par-
ameters required for the analysis of the data. Additional hardware was manufactured for
the 1987 tests and a comprehensive in-stream calibration was carried out, which had not
previously been possible with this particular model. The data was analysed in accordance
with the process outlined In section 6.

Fig 7 presents a comparison of data obtained In 1987 at Mach numbers of 0.78 and
0.8 at high Reynolds number for the model mounted at roll angles of 0' and 180%. In an
attempt to Improve the presentation of the data and to highlight the discrepancies and
experimental scatter, the aerodynamic coefficients have been modified by the removal of a
linear variation of normal force with incidence In Pig 7a, a parabolic variation of axial
force with normal force in Pig 7b and a lift dependent drag term In Pig 7c.

Collapse of the normal force data confirms that the sting support system, at zero
indicated pitch angle, is correctly aligned with the mean flow direction. There is a
small uncertainty In the determination of cross flow angle because of the experimental
scatter evident in Pig 7a. The computation of drag is sensitive to angular error, so
axial force, for which the computation does not involve flow angle, is inspected. Te
collapse of the data shown in Pig 7b confirm the choice of the various parameters used In
the data reduction, and collapse of the drag data then provides further confirmation of
the correct determination of cross flow angle. The derivation of the parameters for the
data reduction was straightforward for this particular test series and the collapse of the
data was very satisfactory. This Is not always the case and the analysis can become a
protracted process of adjusting the many parameters within prescribed tolerance limits to
provide the beat collapse of the data from the aerodynamic tests and the in-stream balance
calibration.

The accompanying Table quantifies the main corrections which must be applied to the
axial force measurements at a typical condition.I C - 0th 5 at Mach o.t8. (Axial force
indicated by the balance is negative because of the 3- balance/model angle.) At zero roll
angle the values of the corrections have been obtained by interpolation as no data is
available at exactly this condition.

0.o + *-18o*

Indicated axial force (Newtons) -62.4 -266.1
Correction for first order balance interactions -89.7 -124.7
Correction for second order balance interactions +24.9 +6.4t
Correction for model weight -109.0 +110.5

I red4Correction for sting cavity pressure +41.8 +38.9
Corrected axial force (Newtons) -19.4 -195.0

(I drag count a 1.9 Newtons)

~N4;
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The differeee in load indicated by the axial force channel at roll angles of 0*
and 180. Is equivalent to more than 100 drag counts. The magnitudes of the balance
interactions are different for the two conditions because of the asymmetric manner in
wh the gravitational loads contribute to the total loads. The removal of the component
at model weligt is the most signifleant correction, largely because of the 3" balance/
model anale for this particular configuration, and highlights the need for accurate deter-
mination of the weight of the model and the total angular deflection. The different
corrections for sting cavity pressure ariae because the sting is in a different position
In the cavity In the two cases due to the deflection of the sting and balance under gravi-
tational load, this difference is unimportant however because it has been established
during measurements of sting interference that although movement of the sting in the
cavity do" cause appreciable variations in the internal pressure, it does not affect the
nett external drag force.

4Comparative data from the three aeries of tests are presented, again in modified
form, In Fig 8. The apparent discrepancy in Fig Ba between the data collected in 1983 and
the later tests Is equivalent to an error In incidence of approximately 0.02. As the
data for roll angles of 0' and 180* collapse satisfactorily, this implies that the
balance/model angle of 3' was underestimated for the 1983 tests. This error would reduce
the computed axial force coefficient by 0.0001T at a lift coefficient of 0.5 and there is
a suggestion of such an error in the data presented In Pig Ob. On the other hand the com-
putation of drag would be unaffected and indeed the repeatability of the drag data across
the three series of tests is very reassuring.

It was pointed out earlier in the section that the calibration procedures were not
entirely satisfactory for the early test series resulting in small uncertainties in the
definition of some of the parameters, particularly the angles which have such a signifi-
cant effect on the data reduction. Despite these small discrepancies it is felt that the
repeatability of the data across the three series of tests is acceptable, particularly
when It is appreciated that two different strain gauge balances were involved and that the
repeatable assembly of a wind tunnel model can never be guaranteed absolutely.

8 CONCLUDING REMARKS

It would be wrong to suggest that the level of accuracy demonstrated in this Paper
can be achieved automatically for all test series. The conditions for each test are dif-
ferent in detail, particularly the angles and deflections which have such an important
influence on the determination of drag. Care and vigilance are required In applying the
experimental techniques and analysing the data, and the techniques are constantly being
reviewed. An integral sting/balance is currently being manufactured which will eliminate
the sting/balance Joint and improve the rigidity and repeatability of the model attach-
ment, and there is some scope for improvement in model design to minimise the internal
deflections under load.

It Is hoped that these improvements will reduce the need for some of the comprehen-
slve calibration procedures which are currently round to be necessary but it is antici-
pated that the generation of accurate drag data will continue to present a significant
technical challenge.
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Fig. 4. Arrangement of A310 model on sting and balance
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SUMMARY

This paper covers the design, development and operation of an advanced afterbody
drag rig at the high Speed Wind Tunnel, Warton.

The rig has been extensively used over a 16 year period for minimisation of modern
combat aircraft afterbody drag. Accurate incremental drag data is produced by measurement
of the axial force on a fully representative metric afterbody section.

A full description of the rig is given along with techniques for data correction and
presentation of typical data.

LIST OF SYMBOLS

A Area hal Uncorrected balance output
Cd Drag coefficient ci Balance cavity
Cp Pressure coefficient c2 Seal cavity
D Afterbody axial force c3 Port annulus cavity
dB Decibels c. Starboard annulus cavity
f Frequency c5 Bearing block cavity
HSWT High Speed Wind Tunnel c6 Afterbody rear cavity
JPR Jet Pressure Ratio jp Upstream jetpipe external area
M Mach number jp2 Downstream jetpipe external area
P Pressure noz Nozzle exit external area
P. Tunnel static pressure si-s6 Outer seal frame areas
q Tunnel dynamic pressure seal Inner seal frame area
S Cd reference area shi Shroud forward internal area
T Thrust sh2 Shroud exit internal area
(T-D) Thrust-Drag tp "Trouser-piece" maximum area

Subscripts:

bbi Bearing block frontal area
bb2 Bearing block void area

1. INTRODUCTION

It is well appreciated that the afterbody drag of a twin jet combat aircraft can
amount to over 30% of the total aircraft zero lift drag. There is, therefore, considerable
scope for drag minimisation if a suitable wind tunnel rig is available during early
project design. Prior to 1969 little direct measurement of afterbody drag had been
possible in the U.K. Available afterbody test rigs were of the "Thrust - Drag" type
requiring very accurate calculation or calibration of nozzle thrust and then not always
giving acceptable accuracy of the small drag difference. Rigs of this type are still
widely used (see Refs. 1-5). The alternative method of calculating afterbody drag from
pressure measurements is only adequate and convenient for simple single nozzle

4configurations with a minimum of separated flow.

The need arose at the start of development of MRCA (later Tornado) for better
measurement of afterbody forces. In 1969, therfore, design and build of an advanced
drag data rig was undertaken at Warton. The rig was to have the following capabilities:

(i) Measurement of afterbody axial force, independently of thrust, side force and

normal force loadings, with maximum accuracy and repeatability.

(ii) Simulation of a jet efflux with controllable and repeatable pressure ratio.

(iii) Measurement of jet thrust, independently of afterbody axial force, side force
and normal force loadings.

(iv) Minimum support structure interference on the metric portion of the rig.

(v) Measurement of internal static pressures for thrust and drag correction purposes.

(vi) Measurement of external static pressures for diagnostic purposes.

(vii) Measurement of jet air supply mass flow and jetpipe static pressures for the
accurate calculation of jet pressure ratio.

' . __________________________ __________
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(viii) Base of afterbody and detail configuration changes.

(ix) Ability to be operated in the supersonic working section of the warton 1.2m High
Speed wind Tunnel over a Mach number range of 1.4 to 2.5.

The requirement resulted in the design and manufacture of a twin sting, model-cart
mounted afterbody drag rig which was first used for testing in 1971. The rig was
subsequently modified in 1977 to reduce interference on planned research afterbodies and
is now operated over a Hach number range of 0.4 to 2.0 giving highly accurate and
repeatable afterbody axial force data.

During design integration of engines and airframe, there is often a possible trade-
off between installed thrust and afterbody drag. For a fighter configuration with an
interceptor role, thrust-minus-drag is extremely important. The cost effectiveness of
increasing thrust by using more sophisticated nozzles, compared with designing for minimum
afterbody drag, is difficult to evaluate unless model measurements can be obtained at an
early stage.

At transonic and supersonic speeds, measurements from rear sting mounted overall
forces and component loads models have many limitations when used in drag synthesis.
Afterbodies may be necessarily distorted to accommodate the sting, flow-through intake
duct outlets and metric/non-metric clearance. This applies particularly to the Warton
1.2m SUT which, being a high Reynolds number tunnel, requires stronger, and hence larger,
stings in order to withstand the increased loads. Afterbody distortion is also an
unfortunate consequence of the increasingly compact afterbody designs for todays fighter
aircraft.

Corrections for sting interference and the absence or incomplete simulation of
jet interaction with external flow are not very amenable to theoretical treatment.
However, direct afterbody force measurements can now be made on a rig able to mount
simulated single sting mounted afterbodies and realistic afterbodies with representative
jet flow. This offers the possibility of applying incremental drag corrections to six-
component model measurements.

2. RIG DESCRIPTION

2.1 CURRENT CONFIGURATION

The Warton afterbody drag rig in its present configuration (figures I and 2) is
able to mount accurate twin jet combat aircraft afterbody representations at a scale, of
around 1/20. The rig can be broken down into four major components which are described
below.

The rig support structure has been developed to eliminate reflected support shock
wave interference on the metric afterbody section at transonic and supersonic speeds and
to give a minimum and constant pressure field interference at subsonic speeds. This
enables accurate incremental drag measurements to be made without recourse to pressure
field corrections. High pressure air, power supplies, signal wiring and pneumatic tubing
are fed to the wing tips via hollow side struts spanned by a cross-yoke arrangement. This
assembly is bolted to the tunnel structure (figure 3). The support structure is designed
to give minimum blockage area whilst retaining sufficient strength for operation up to
Mach 2.0.

The wings and forebody are the non-metric part of the model. The forebody isconfigured to be representative of a twin engined fighter type with faired intakes. The

nose cone, canopy and spine can be easily changed to represent different designs. The
wings, which support the forebody and attach at the wingtips to the side strut supports,
are of a MACA symmetrical section with a constant leading edge sweep of 57.3* and a
constant t/c ratio of 7%. The wings are ducted to carry the high pressure air supply into
the main fuselage section and also carry electrical wiring and pressure tubing into the
model. The whole wing/centre fuselage (figure 4) is an integral unit manufactured in
eight sections and electron beam welded together for maximum strength. Each wing consists
of a leading edge, centre section and trailing edge and the centre fuselage (including
wing root) is made up of two symmetric halves. The material for this assembly is Maraging
steel with an Ultimate Tensile Strength of 1800 N/sq.sm. For representation of delta-wing
configurations *stub-wing" fairings are fitted to the trailing edge of the inboard wing.
A corresponding wing root section is included on the metric afterbody with a metric/non-
metric gap maintained between this and the stub wing.

Figures 5 and 6 illustrate the design and assembly of the thrust system. The non-
metric flow entry blocks contain floating inner high pressure chambers which are constrained
to move only in an axial direction by bearings on the attached jetpipes. The chambers are
sealed from the model internal cavity by metal bellows. Air flows through to the exit
nozzles via *jetpipe" sections and a "trouser-piece" section which alters the jet centreline
to that required. The air ducts contain anti-swirl devices and perforated plates which
ensure a 'flat' total pressure distribution with minimum boundary layer thickness.

.. ,In order to minimise the cross sectional area of air ducts through the wing the air -.

,. supply is maintaimed at high pressure until it enters the thrust system. However, the
supply pressure then needs to be reduced to a sensible level, this is a difficult task in

*osuch a small volume. The two sets of perforated plates reduce supply total pressure by a
factor of up to 5 giving maxim typical achievable jet total pressures for dry and reheat

. ,- . . - . . - '
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nozxles of 1020 and 485 kPa respectively.

The thrust assembly is attached at the forward end to the thrust balance via an
axial flexure arrangement.

Figures 7 and 8 illustrate the drag balance system and the assembly of the after-
body. The afterbody is built around a bushed block which runs on bearings on the hardened
jetpipes. Attached to the bearing block at the forward end is a seal frame which blends
in profile with the forebody and houses a double PTFZ seal to prevent external pressure
leakage into the afterbody cavity. The seal provides a low friction sliding joint between
the forebody and afterbody. In a "zero-load* condition the seal gap is approximately
0.2 am.

The remainder of the afterbody is attached to the rear of the bearing block and
usually consists of upper and lower main afterbody sections, fin, final boat-tail section
and nozzle shrouds. Various attachments nay be available for a particular configuration
such as upper and lower gully fillers, parachute and sensor housings, internozzle fairings,
airbrakes and actuator fairings, missiles, vortex generators, etc.

The metric afterbody is attached to the drag balance via upper and lower links
running forward through the thrust system; flexures are incorporated in the forward end
of the drag links.

External pressures on the afterbody, boat-tail and shrouds and internal cavity
pressures are fed forward to the Scanivalve via PVC tubing in the afterbody and nickel
tubing across the centre fuselage section.

2.2 RIG DEVELOPMENTS TO PRESENT DATE

Initially the rig was of short span and was intended for operation in the Mach
number range 1.4 to 2.5 only. Subsequently it was operated subsonically (up to M = 0.95)
with acceptable wing/forebody/support interference. Operation was restricted to the above
Mach number ranges due to unacceptable reflected shock interference in the transonic and
low supersonic regions.

Pressure to provide accurate data in the transonic range led to a major re-design
of the rig. The modifications required to eliminate shock interference had the added
benefit of significantly reducing the subsonic support interference. The main features
of the re-design were:

i) Doubling the rig span to eliminate side support shock wave interference on the
longest envisaged afterbody. This also had the effect of producing a constant
and greatly reduced wing/forebody/support pressure field in the afterbody region.

(ii) Provision of shorter side support fairings suitable for use at all Mach numbers
including operation in the ARA 2.7x2.4m transonic tunnel. These fairings were
designed to avoid support shock wave impingement on the afterbody and retain
constant subsonic support interference.

(iii) Reduction of the possibility of JPR dependent subsonic interference because of
the increase in afterbody/cross-yoke longitudinal separation as a result of
doubling rig span.

The pressure field interference of the modified rig was predicted using a subsonic
panel program. The program had been validated for the original support configuration by
excellent agreement with data taken from a pressure plotted parallel afterbody.

The program predicted subsonic interference for the new rig to be zero at M = 0.6
and 0.0003 ACd at N - 0.9 (Cd based on maximum fuselage cross sectional area). Such
interference is seen as negligible in the prime use of the rig for afterbody development
and for measurement of increments only in overall aircraft drag synthesis.

As a result of increasing the rig span, supersonic starting loads in the HSWT
were increased. It was therefore necessary to restrict operation to M - 2.0.

The original rig was model cart mounted in the aSWT, but following the modifications
it is now bolted to the tunnel structure for additional strength.

2.3 RIG INSTRU ENTATION

Afterbody axial force, thrust and thrust-drag are measured by means of a modular
3-component strain gauge balance assembly mounted in the centre-fuselage section of the
rig (figure 9). The assembly is attached to the non-metric part of the rig at the thrust-
minus-drag module. Overloading of the balances is avoided by closure of the clearances
between the modules at maximum load. The modular construction of the assembly facilitates
the changing of a balance range, if necessary. Figure 10 shows typical thrust and thrust-
minus-drag balance data.

Internal and external steady pressures are measured by means of an 'S' type
Scanivalve mounted in the forebody of the model (figure 11). Pressures are sampled at a
rate of 25 ports per second giving an average seven datapoints per 25 second run in the
BSWT. Figures 12, 13 and 14 show typical pressure data gathered by the Scanivalve. * -

.
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Requests for unsteady or dynamic pressure measurement are becoming increasingly
common. This data is used to analyse aerodynamic effects such as fin buffet or nozzle
shroud pressure loading due to twin jet interaction (screech). For this purpose,
miniature transducers are mounted in the model at the location in question. Figure 15

shows typical unsteady pressure data after Power Spectral Density Analysis.

In order to provide accurately calculated values of Jet Pressure Ratio, the total
mss flow rate of the model air supply system is measured external to the tunnel using
an orifice plate system. Jetpipe static pressures are measured using transducers mounted
in the afterbody.

2.4 TUNNEL FACILITIES

The 1.2m RENT at arton is an intermittent blowdown facility operating from
4000 kPa storage pressure and discharging to atmosphere. Supersonic and transonic
working sections lie in tandem. The closed wall supersonic section covers a Mach number
range 1.4 to 4.0 set by top and bottom flexible plate walls. The perforated wall transonic
section has a Mach number range of 0.4 to 1.2, working section and plenum pressures are
controlled by varying second throat and diffuser settings. Models or rigs can be mounted
on either of two model carts plus a half-model cart. Access to the tunnel is through one
opening side wall in the transonic section. A supply line has been provided for cold air
jet blowing models, this is fed from storage vessels separate to the main tunnel air
supply but also at 4000 kPa maximum storage pressure.

The afterbody drag rig has also been successfuly used in the 2.7 x 2.4m transonic
tunnel at ARA, Bedford. This is a continuous running, closed circuit facility providing
Mach numbers up to M - 1.35. The support sting mounted from a full span blade w-,
accept the afterbody drag rig on a standard 4 inch taper joint. There is an adequate \
air supply and pressure control system to provide cold air jet simulation.

2.5 RIG OPERATION

The normal test variable for a run is jet pressure ratio. This is varied by rapid
response valve via control hardware. The air supply controller is pre-set with up to
eight total pressure demands calibrated to achieve the required JPR's. The controller is
stepped via a discrete output from the model control software. Each JPR datapoint has a
duration of roughly 3.5 seconds, including settling time, to allow a full Scanivalve
scan. Data is recorded when steady conditions are reached.

Because of increasing demand for more comprehensive coverage of afterbody external
pressures, current practice is to do separate "drag" and "pressure" runs for each
configuration. This is solely because an excess of pneumatic tubing inside the afterbody
and bridging the metric/non-metric break may cause hysteresis and inaccurate drag balance
output due to friction between the tubing and metric components of the rig. A minimum
number of pressures are measured for drag runs. These must include six internal cavity
pressures and up to six metric/non-metric seal gap pressures for corrections to the

balance output (figure 16). up to eight internozzle base and shroud base pressures may
be measured for diagnostic purposes (figure 17). For pressure runs up to 18 shroud and
21 afterbody surface pressures may be measured. Unsteady pressure transducers are also
only installed for pressure runs.

Oil flow visualisation runs may also be requested. For these a single jet pressure
ratio is maintained for a run of about 10 seconds duration (figure 18). Schlieren flow
visualisation is a standard output for all supersonic runs (figure 19).

2.6 FUTURE DEVELOPMENTS

There are a number of future projects outlined for the rig. Some of these require
further development of the rig which will increase its versatility and the quality and
volume of data output per run.

The HSWT is developing ZOC electronic pressure scanning equipment operation to
replace the use of electro-mechanical Scanivalves (figure 20). The use of this equipment
will mean faster data acquisition and hence more JPR datapoints per run. Pressure data
will also be more accurate and it may be possible to re-combine drag and pressure runs
due to a large reduction in tubing/wiring crossing the metric/non-metric break.

The use of ambient temperature air for jet simulation obviously does not ideally
reproduce the effect of a hot jet exhaust. A proposal for hot jet simulation is being
examined and a scheme for the installation of liquid hydrogen burners in the rig has
been produced.

Testing of re-usable space vehicle afterbody configuraticna is proposed which will
lead to the development of a multi-nozzle rig.

The feasibility of limited incidence variation for transonic testing is being
investigated. This would be most desirable for a multi-nozzle space vehicle configuration
with large base area and subsequent high drag sensitivity to angle of attack variation.

A . I
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II

CALIBRATIONS AND CORRECTIONS

3.1 BALANCE CALIBRATIONS

It is crucial to the production of highly accurate and repeatable force data
from the rig that calibrations of the strain gauge balances can be performed with the
model fully rigged. Therefore. simple techniques have been developed which allow the
application of calibration loads to the metric thrust and afterbody axial force system
with the model fully assembled and installed in the tunnel.

Drag calibrations are repeated during a test phase after any model configuration

change likely to have disturbed the internal layout of pressure tubing, wiring, etc.
Data from a drag calibration in checked for unacceptable hysteresis or large deviations
from the mean calibration slopes. If necessary, model rigging is rechecked and the

* calibration repeated.

3.2 INTERNAL PRESSURE CORRECTION BOOK-KEEPING

Variation in internal cavity pressures during a run inevitably causes a variation
of the balance outputs. Variation of seal gap pressure (external to the seal) has a
similar effect. These errors are accounted for by monitoring internal cavity and seal
gap pressures. Force corrections are calculated due to these pressures acting on
relevant areas. Thrust and drag corrections are derived1 both corrections are applied
to the thrust-minus-drag balance output. Figure 21 shows typical drag correction data.

Corrections are calculated and applied as follows:

i) DRAG

Corrected Drag:

D - Dbal+AD

Total drag correction:

AD = ADI+6D2+AD3

Seal pressure correction:

ADI - -1(2.Asn.(Psn-P.)) where n I to 6

Internal cavity pressure correction:

AD2 - AD21 +hD22 +AD23

AD21 = -(Aseal-Abbi).(Pc2-P-)

AD22 = (Abb2-Abb1).(Pcs-P-)

AD23 - -(Abb2-AshI). PcS+Pc6 -P-]

Nozzle/shroud annulus pressure correction:

AD3 - -(Ashi-Ash2). IPC3 2PC4 -P-a

(ii) THRUST

Corrected Thrust:

T - Tbal+AT

Total thrust correction:

AT - AT I+AT2+AT 3+ AT 4

ATI - AJp'•(PcI-P-
)

AT2 - (Atp-Ajp2).(Pc5-P-)

AT3 - -(Atp-AJp2 ).•(PC6-P-)

AT. - -(AJP2-Anoz). Pc3+PC4 P-

(iii) THRUST-DRAG

* .,* Corrected thrust-drag:

(T-D) - (T-D)bal+AT-AD

.,' e ' , ,. :.- ,.. .... . . .. .

_________________________________J
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Note: All pressures are referenced to tunnel ambient static. The assumption is made
that in an ideal situation P- would act on every surface of the model.

4. DATA QUALITY

The Marton afterbody drag rig has consistently achieved 'jet on' axial force
repeatability tolerances of +0.0005 Cd short term and +0.0010 Cd long term (figures 22
and 23), where Cd is based on maximum fuselage cross-sectional area. These figures
represent a maximum error in manured force of ±1.0% at X = 1.6. 'Jet off" results
generally show a larger random scatter believed to be due to larger amplitude base
pressure fluctuations which occur when the stabilising influence of the jet is removed.

Possible sources of error and their quantitative effects on incremental axial

force measurement are as follows:

(a) Hysteresis

Calibration of the balance and bearings alone shows negligible hysteresis.
However, when a model is fully rigged, the addition of the seal and pressure plotting
tubes bridging the metric split produces an average error due to hysteresis equivalent
to +0.0008 Cd. Operation in a blowdown tunnel with its impulsive starting loads is
likly to reduce the effect of hysteresis compared to that measured from a static
calibration, this is reflected in the short term ("in phase') repeatability margin of
+0.0005 Cd. Much of the long term repeatability margin of +0.0010 Cd can probably be
accounted for by variation in the rigging of pressure tubes between test phases.

(b) Temperature Effects

Cooling due to air expansion through the perforated plates could cause balance
drift due to heat conduction from the balance through the thrust link. This effect is
negligible in a blowdown tunnel due to the short run duration.

(C) Leakage

For a rig with a metric/non-metric split there exists the possibility of leakage
through the internal cavity driven by the pressure differential between the split station
and the nozzle/shroud base annulus. Adequate monitoring of internal cavity pressures
allows corrections for internal pressure variation to be applied to the balance data.
The ability to maintain very small nozzle/shroud annular clearances, due to axial bearing
support, is very important. It ensures that the cavity acts as a reservoir of stable
pressure, despite fluctuating base pressures, and measurement of annulus pressure gives
an extremely sensitive indication of any internal leakage. The split seal on the rig is
very effective and errors due to seal leakage are negligible.

d) Pressure Measurements

The limit of accuracy of pressure measurement is set by the sampling error possible
when the output signal from the Scanivalve transducer, filtered down to 40 Hz. is
digitised. Every effort is made to eliminate pneumatic errors by minimising tube lengths
and thoroughly leak checking and response checking during model rigging. The use of
reference pressures on the Scanivalve gives an effective zero reading for each datapoint
and an additional reference line allows calibration of the Scanivalve in-situ.

The internal cavity pressures have been measured within a tolerance of +0.001 Cp
corresponding to a possible internal correction error of +0.0005 Cd. The annulus pressures
have been measured within a tolerance of +0.002 Cp, correction error +0.0003 Cd. Base and
external surface pressure coefficients havea sampling error range of ±0.003 Cp, showing
the benefit of small clearances in stabilising the cavity pressure. The remaining pressure
correction is that external to the seal at the split station. The sampling error scatter
for those pressures is +0.002 Cp, equivalent to a possible correction error of +0.0004 Cd.

Sussmarising measurement accuracies which contribute to repeatability we have:

HYSTERESIS + CAVITY Cp + ANNULUS Cp + SEAL GAP Cp = TOTAL ERROR

The overall accuracy due to the above factors is given by:

± /1O.0008- + 0.0005' + 0.0003 + 0.0004') . +0.0011 Cd

This compares very well with the observed long term repeatability.

5. DRAG SYNTHESIS FOR THE AIRCRAFT

The derivation of a drag dataset for assessing aircraft performance is commonly
based on wind tunnel model data. Supersonic zero-lift drag in particular requires
measurements from a representative model since even modern day computational methods': * -cannot give absolute drag levels with certainty.

Basic airframe zero-lift drag is generally measured using a sting mounted model
• - 4* without jet simulation. To accommodate the sting and also intake flow out of the base of

the model some distortion of the afterbody of the model is necessary. In consequence the

4 .__ _ _.__ _ _4
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effect of the distortion needs to be determined. A representation of the distorted
afterbody is tested on the afterbody rig to provide an increment to a chosen jet pressure
ratio reference condition for a representative afterbody model with jets (figure 24).

A schematic of the book-keeping adopted is shown in figure 25. It can be seen

that afterbody model measurements are used to provide:

(l An increment to reference conditions for the drag account.

(ii) The effect of jet conditions for incorporation in the engine accountt engine thrust
being debited for engine throttle-dependent intake drag and afterbody force..

In addition a Time Marching Ruler method of computation is used in drag synthesis to
account for minor configurat.on changes between the aircraft definition and the model
tested. The method uses panelled afterbody simulations, taking account of separated
regions, (figure 26) and provides a correction for the boat-tail drag difference. Base
drag differences are corrected by applying wind tunnel model base pressure data to
defined areas (figure 27).

6. CONCLUSIONS

i) An advanced afterbody drag rig has been developed which is able to provide very
accurate incremental drag measurements from fully representative afterbodies with
jet simulation.

(ii) The rig has an excellent long term repeatability record, repeat data is consistently
within a tolerance of ±0.001 Cd (based on maximum fuselage cross-sectional area).

(iii) Data from the rig is used both in afterbody development during early project
design and for full aircraft drag synthesis as corrections applied to measurements
from sting mounted forces and moments models.

(iv) The versatility of the rig has been demonstrated, comprehensive coverage of
afterbody surface and base pressure measurement is possible including unsteady
pressures for buffet and shroud loading investigations.

(v) Future developments of the rig will increase its versatility and further improve
data quality and throughput.

(vi) The rig is an extremely useful aid to modern combat aircraft design and has already
more than proved its worth in terms of greatly reducing the amount of flight
testing necessary to perfect an afterbody configuration.
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This paper uses experience and results obtained over recent years In the ARA 9' x a,
transonic wind tunnel to address the questions of measurement and flow quality, data accuracy
mA achieved performance. The discussions relate primarily to exporience with civil
transports for which accurate drag prediction and efficient drag reductiog through reliable
experimental techniques is of sajor importance. The quality of results is studied via the
definition of the problem areas, the correction methods mad analysis of dynaics of the flow
and the associated measurements. Techniques specific to a large development transonic tunnel
are discussed in detail with a constant awareness of the cost and efficiency in relation to
the required accuracy and repeatability standards.

The requirements of the civil aircraft transport Consideration will be given to the need for model
industry present some of the most stringent shape accuracy to meet the design pressure
demands on accuracy wad reliability of wind distributions and the need for large models.
tunnel data. Aircraft developments in the past 71 Flow quality of the empty tunnel strea must be
years have concentrated on refinements to within the limits of significance of calculation
maximise the performance of designs within what and experimental methods. Flow description in
superficially appears to be a very similar faily the presence of the model interference must be
of shapes. The large step jumnps in configur- known and support interference muet be capable of
ations sees in early airliner developments have evaluation. In this accurately-defined flowm
tended to stabilize into conventional wind body environment, performance of measuring system are

harrangements with wing mounted nacelles, with the examined along with the stability of the
concentration on optimisation of the total airstream and methods for accommodating model

Lconfiguration to give an aerodynamically refined induced instabiLities of the test flow.
product. Whilst this situation is currently
being changed by the introduction of the open
rotor concept the work described in this paper Techniques of tunnel operation to minisme flow
has been based on the need for reliable instabilities and speed fluctuations are
experiments to recognise and confirm the discussed and the effects of taking data during
existence of very small increments of the continuous traverse mode.

pefrac.In addition to tunnel flow quality, the

The major advances in configuration performance stabilising of the body and wing viscous flow is
-'have mainly been derived from wing aerodynamics. discussed and the use of transition fixing and

Improvements in design targets and design methods detection methods and techniques.
have together shown improvements in wing/body
aerodynamic efficiencies of the order of 17% over As a means to increasing model scale ad Reynolds
the past 10 years. The inevitable but necessary number the use of the half model technique is
excrescences that grow on the optimised wing body discussed as a technique for providing
configuration mst be accounted into the incremental data particularly in relation to
production aircraft performance. These, to a engine flow representations and powered models.
large extent, are difficult to account in present The relationship between half model and complete
theoretical methods, and so, the wind tunnel, model test corditions will be discussed and the
whilst being challenged by CDO for the definition effect of large half models on flow
of optimum shapes at specific design points, instability.
remaims a vital adjunct to the assessment of
viscous, vortical and separated flows on real The theme of the paper is the continuous
wings with pylns, engine flows, flap track attention to detail that is necessary to achieve
fairings and wing tip fences, the high quality demanded of moder, wind tunnels

even for relative accuracy Measurements.
7The purpose of this paper is to describe how the Absolute accuracy, which an only be validated im
-large AMA transonic wind tunnel has been adapted relation to flight test accuracy is only briefly

through operating aNd testing techniques to meet mentioned.
the stringent accuraoy requirements of civil
transports.

$ ! -
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Fig. 1 Illustrates typical drag polars which can
be oonidered to be the ultimate objective of a
wind tunnel drag asurement capaign. such
tests ae conducted using full opan scaled civil-.................................
transport type models in the ARA 2.74a z 2.44.
transonic wind tunnel. A typical model (1.70.
wing span) supported on a 53.34m diameter single

st is illustrated in Fig.2. A relatively -----.... ---- ---------- ....
large number of intermediate model configurations F,1 i hu "
between the clen wing and the fully complete R ip d
model layouts depited in Fig.1 are usually
investigated to quantify the drag associated with " ..... '"" ...... .

the installation of many aircraft items such as
nacelles and pylons, flap track fairings, tip
devices, variable camber etc. Fig.3 shows typical
incremental drag characteristics associated with . . .
a number of these items. Considerable use is F,.loaRlqu
also made of a twin sting method of model /
support, shown in Fig. 4, to exaine the drag ----- ............. .........
characteristics of different rear fuselage and .. . .
eapennage designs. The twin sting support system
is also used to quantify single sting
interference effects. Thus Fig. I and 3 ......... I ........ , - --------- I ......... I .........
immediately indicate that drag measurement
testing can be considered to have two related
aima; .j -. . C:.

-2 4 -Ir 4. . 9

(i) the establishment of the absolute model drag, .0 0-1 0.2 NJ 0.4 NS CL 0A
and Figure I. Ticol M del Crag Points.

(ii)the establishment of incremental drag
characteristics.

At conditions of practical interest (M = 0.82,
CL z 0.45, say) the magnitude of the components
which constitute the total measured model drag
nay be typically

(a) fuselage skin friction CD 0.0072

(b) fuselage for* drag CD  0.0005

(c) wing skin friction CD  0.0059

(d wing form drag CD  0.0017

(e) wing vortex drag CD  0.0075

(f) wing wave drag CD  0.0035

Figure 2. T~iool Full apr civil trwatTotal clean wing drag (without Fldel T 4p4AI an a ingle tir g.
empennage) * 0.0263

calculated as the difference between two large
(g) each additional individual model item measurements, it is probably the only way of

ACD = 0 to _0.00060 (say) obtaining the required drag increments which areeg. flap track fairings, tip devices etc. usually dominated by mutual interference effects.
The major reasons for incremental drag

The measurement of model drag by gn internal measurement testing are not only to measure the
strain gauge balance gives the total drag and installed characterist.ica, of say a given wing

hence the individual 'theoretical" components tip device, but also to ascertain which of a
listed in (a)-(f) above cannot be isolated number of variations and modifications to the
directly by balance measurements alone. These geometry of, for example the tip device, give the
data, however, give a good indication of the optimum installed drag char cteristics.
magnitude of the drag constituents and it is
clearly the way in which these each vary with Thus it is the prediction of the total aircraft
lift coefficient end Mach number which ultimately drg at full scale conditions which leads to the
leads to the measured shape of the polar. absolute model drag accuracy measurement

requirement specified in Reference I of 0.0005 in
The incremental drag of each individual model C and the incremen-.l requirement which leads to
item, (g) above, including mutual interference the 0.0001 accuracy in ACD.  It should also be
drag, is obtained from two model configurations noted that for diagnostic reasons the enrodynamic
using the simple expression; designer demands these levels of accuracy not

just close to the design flight conditions but
D (ite)CD of model with item also over a sixable MC L envelope. Interpreted

-C0 of model without item from the wind tunnel engineers viewpoint, the

(MCL:constant say) Noe: a
The Parameter CO S CD-CL /V X Aspect Ratio is

although this is fundamentally an inaccurate frequently used by ARA when premnting drag data
method, in that relatively small drag changes are and should not be confused with the drag at L, .

77/ .;
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_ _ _ _ _Based on the above disnusion ARA ai to measure
model drag to better thea ±0.0006 i % to

1 N 'lfi 4 Rd- achieve the incremental dra rqur et ofSAM ~in 0.00 &ad to repeat inter-teat marine dragL hrateriatios on m identical nodal

"" U.. -. WWL onfiuration to within O.O00 is C3 . This has
E Filled been found to be a very demanding objective.

Although each tresonic wind tuanel facility

Rim ......... --........ --.--................ ..... aircraft modele have coma ac ary oale, ts
way in which thee targets are achieved depends
enormously oan the particular characteristics of

aeach facility, The techniques used by ANA have
evolved over the lest thirty years but it is
probably only in the last decade that dreg

Caccuracies close to those now demanded have be
regularly achieved. It has been principally the

/demand for good quality drag data on models of
such aircraft as the RA* 125, Mes 146, ASOOS,

S .......... .......... " "A3o, A3o and currently the A330/ A340 European
Airbus that has stimulated the relentless search
at ARA for improved accuracy.

Fig.re 3. T~piccl Org Innmente. 3.1 Transition Fixing

____All wind tunnel establishnents have their own
views on the most appropriate boundary layer fix
technique% applicable to their tunnel. The ideal
approach re*,&-- a cobinastion of preliminary
tests covering detailed pressure plotting, with a
range of roughness band transition fixes and
associated sublimation and oil flow tests, and

J theoretical calculations of pressure
distributions and boundary layer for both model
and full scale conditions. This work ever a
range of M, CL and full scale and test Reynolds
numbers would currently impose an unacceptable
time delay and cost on most schedules. In lieu
of theoretical calculations over the range of
possible model transition positions it is more
common to optimise experimentally to achieve
model surface flows that simulate the calculated
full scale flow conditions e.g. specific boundary

____layer parameters, Ref 3, at the foot of the
shock or at the trailing edge. A forward fix is

Fig 4. Ttpiccl full epc civil tri desirable for drag definition for part of the CL
model w =a n Us twin e rq rig. range as long as it is compatible with the

leading edge suction peaks and superoritical flow
development on both surfaces. At M/CL outside

absolute drag measurement requirement means that this range an aft transition fix may be possible
at the very least, each time the ease model is to produce the ese shock position s d separation
tested in the wind tunnel the drag coefficient pattern as predicted for full scale. Care must
measuresents muet repeat to within 0.0005. In be taken to keep the aft transition band
order to achieve the incremental drag target sufficiently far forward of the shook fsay 15%)
accuracy, exercises usually have to be conducted to ensure no influence on the shock strength and
within a given test series, Ii.e. the model has position and on the rate of its forward movement
to remain in the wind tunnel for all the tests) at higher CL. The analysis of these flows, in
whilst the required increments are being the absence of detailed pressure plotting can be
obtained, done with the help of oil flows for shock and

separation detection and ascenaphthene sublimation
When Reference I was written, one practical techniques for boundary layer state.
situation which leads to an absolute accuracy
measurement requirement of closer to 0.0001 in For the ARA tunnel which is basically limited to
CD, was not considered. In practice it is near atmospheric stagnation pressure, Reynolds
sometimes necessary to compare model number sweeps cannot be used and so the
characteristics obtained from different test requirement of viscous flow simulation by
series which may have been undertaken many months controlled transition position is normal

apart. Such a case may arise if the practice, with particular concentration on the
characteristics of a new wing design are to be correct representation of viscous interaction at
compared with those of an earlier design already the foot of the shook to give the correct
tested. If all the model components are still development of separations either at the foot or
available then, at the expene of repeat testing, at the trailing edge.
*back to back" tests may be performed (but
possibly still involving two entries into the Preliminary work requires n e

i n iti a l transition
wind tunnell. If the new wine is physically the free oil flow test to determine the most
old model wing irreversibly modified then "back Optimistic aft shook positions at the critical
to back" tests cannot be performed and an design point eg cruias M/CL or buffet /CL,. The
inter-test series coaperison has to be relied state of the boundar layer is &leO determimed

- .upon. from sublimation tests. An aft band polition is

4"".7
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dftimd a baeing in a lamimar boundary las at a very important subjecot and the report of the V009
Venities I5 forwad of the shook at its on Wind Tunnal Boundary Layer Siaulation and
tosnumOmt desig condition. The minimum band Control, Df.. is expected to fill this seed.
height to stle". a turbulent fix is determinad
to minimise the oomos of overfx to an 3,2 £ fw tuweal sl interferesce
i isttiVs tursbu4lent bomdary layer and to

s olate the bad te dre. ADA technique i to
ume glass bead allotilni of uniform Oise with a Routine corrections are applied to measured data
mximum bond width of Im, very sparsely applied based on seat-empirical correlations of a renge
so that indIvidOSl turbulence wedges cam be of experimental and theoretical data. Barly
detected behind the bad. Transition is detected correlations of tunnel results covered the full
by sublimation of aosnagthn crystals on the range of subsonic transonic and supersonic
wine surface which are not applied ahead of the operation. Only omments related to subsonic
band. Experiene indicates that sublimate ahead operation are sod bre. For these purposes on
of and in the roughaas will reduce the typical transport aircraft configuration has been
effectiveness of the band leading to a tendency used as a calibration sodel. This is illustrated
to use a too-large band with overfix for normal in Fig.5.
test conditions where sublimate is not present.
The initial transition-free oil flow nd This layout in the tunnel indicates the high
sublimate tests will indicate the areas of
laminar flow that can exist ahead of a band d f model which is an area of vary non-uifore
also the possibility of early transition porosity. It was anticipated that theoretical
occurring due to the presence of a weak root methods of wall constraint correction applied to
shook across the wing upper surface, walls of uniform porosity would not be applicable

This approach requires painsaing effort both in in this case and empirical factors related to the

the testing stages and the analysis. It is basic theory might be obtained.
however such easier on the civil configuration The basis of the determination of the empirical
with limited design points and operating envelope relationship has been a comparative series of
than the transonic high performance fighter with tests in a solid wall version of the tunnel and
its wide range of wing flow conditions, shock in the porous wall. Standard closed wall
interactions and separated flows. The regions of corrections ef.4 have been applied for Mach
validity of results for aft band tests must be numbers up to M = 0.88 at which speed the solid
carefully considered, as steps and jumps in drag wall blockage corrections were considered to be
results say well indicate interactions between coming close to the limits of the theory at a AM
the shock movement and the beand. Equal care must correction of 0.026. For the porous tunnel of
also be taken on the lower surface of modern uniform porosity, theoretical calculations
heavily rear loaded wing sections at lower CL. indicated that the blockage should be of the

order of -0.26 of the solid wall blockageThere is strong need for a methodology spelling correction (or 0.5 of an open wall correction).
out guide lines and warnings related to this

OPEN AREA
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To Check this, the wing trailing ads Pressures. blockage correction to N is s&en to be loem than
bWIN representative masurements Inthe rein 0.003 * Thus so correotion isued for civil
of the coat,. of the sodel where the blockage transport work Up to N 2 0.
correctices aft seemed to opnly, are compared

isr ah prous ad lsemail etoditons his Comparative results of lift have indicated a see"
isca parculsarlye ensie ethoid of checing for a simple a correction of the onaventional
losal toc autbor sa ecmoasy thtralin oft Co is fora which is a linear function of CL up to 0.?nearto oreand ommnaby inepeden of L ad md independent of V. Us. value of the empiricalInech aumber, o mee inium drag. Consequently any factor from the experimental data correspondsdeviation of the trailing edge presure very closely with the expected 0.6 of a full open

*coefficient frc. the 'true' closed tunnelavalue tunnel value.
arises from the use of an incorrect static

*pressure p. which in turn arises from the use of Tunnel interference on dreg, albeit at the
an incorrect Mach number at the model. At M corcztem Mc uhri uoeial
0.6 a Cpy error gives a AN error of O.SdCp. corrected for the wall onestraint effect by the d

correction but an also be influenced by empty
A ~tunnel buoyncy sand axial variation of blockage.

- - - - - -Typical calibration model results art shown in
66 81 09 0 Pig.? which illustrate the major correction

effect of Am wall but shows the presence of a
Cp q"-A ,1, smell further correction needed to bring results

ATH . =Atp iii lime with corrected closed tunnel data at the
___higher values of V. The simple blockage theory

NBOA SYKfor both open and cosed tunnels predicts mere
blockage axial force correction over a closed

- - - - - -body, the theory for infinite poroue walls does
indicate existence of a buynygradient. These

closedl walllt reslts Thesete inict clos$.

ageeen u o hepon wer teclseSwl
re ut beom dubiousE sI hr t e wn

Fgr. Us Ftrailiig edge presrbeossniivem nyway.O

-- - -- - -- - o thea~ calibatio blodelg iniat nth
-I. tuhoel, with itsepodec rapdl chagin praity that

edge arssr blockage buoyancy corecio ofou th odeo
0.6se thel theoretica estimat frcat acloseio

agreeprosit woul be aplhabe pon corrctio of lsd al V
rethis magnitud isbou usull aphlie toe measued

Fo Mac nubr up baloc axial forc throu maniueneigaetra

---------------------------. ~L. fCtaion of presdsonly o teal signifanc ftory
x~~o t, cal03. iaio codreltindicae aboute RAg~ cuntsl ath it 0.85pedl are neminvriat th

0. chhoprativel testaendo as 22no rm fc

par -it wol be a- is of. coreconsen

ti foriud hal modesfllowpledt eaue
x x balathoe ofia the cpethe sogde o ng bstrofg

ofucied ofAonl frmal thegntfidarde thr
- (Corrections al forre tets as apouSrae

o~~asincoumSuch to refl ection st haf moe n cotnselteof
CNmoifie aspectmprati. Alssoan roate io eft

O ~ ~ a ~AfTI mCorrection prce ir s torhaeft moflliftono

bonar loera the pobale deitio the sso
mfie lowor from rfetn plta.dThe typical
Corrections of thpled forrsof n oreaisaite
coreflecto ate it mone pine of cuseo

I Z9Fs I OPEN =TU TED da to RIstor o the peltposelg of .peer, the bunel mow

bondr lae I'h poal eiaino

flwfo rerfetinpae h yia
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results are used almost entirely for comparative It is by maxiising the performance of some of
and inoremental date end the magnitude ofte these items mb d mmnaising the errors in others

correction is adjusted to the complete model that high quality wind tunnel dreg measurements
datum 4y chars to no d to mintain are obtained.

similar polar shapem. 4.1 Balamose mnd inmtru a tim

4 -1 m$ .. V T A ANAD TU IO SL A A uses 6 component 67. 1me diameter balances
supported on 53.34mm diameter flared single
stings for virtually all full span model drag

The need for absolute and incremental drag tests. These balances are calibrated in a

accuracy basically imposes the same demands and dedicated calibration room using dead weight
both objectives generally benefit from any loads. The full balance matrix consists of 6
isPravements in technique. Drag is obtained from direct sensitivities, 30 first order and 126

internal strain gauge balance measurements using second order interaction terms (although some
the simple expression terms are zero). Such ialances, used for civil

drag work, are checked at least oqne a year by
CD = CM six a + CA cos a applying axial forces, normal forces and pitching

moments. For this design of balance typical
emd the quality of the CM, CA and a parameters axial and normal force sensitivities are 0.22
depends upon; and 1.20 Newtons per microvolt respectively.

From the aspect of accurate drag measurement

(a) the performance of balances, pressure the most important terms result from the
transducers, "incidence meters* and the data interaction of applied normal force and pitching

acquisition kit, moment on the axial force bridge output. Fig.9
shows the axial force residuals obtained from a

(b model geometric fidelity and the sensible use check loading on a balance which is currently
of boundary layer manipulation by the use of used for A330/A340 model testing. The magnitude

roughness bands, of these errors was considered to be
satisfactory. The residuals from a recent check

(c) time averaged Mach number and Reynolds number loading on another 57.16m diameter balance
deviation showed slight axial force hysteresis, see

Fig.10, for this and other reasons this balance

(d) the effect of the low frequency flow

unsteadiness,

(e) the consequences of flow temperature '
variations, RVL:

at d NeErD i

(f) the accuracy of flow direction and model
attitude measurement,

-2.0.............
(g) the quality of support interference, base hiLi - .

pressure and any internal flow corrections,
and Am

(h) the skills of the people involved together 4.0
with the techniques employed.

2.0 F[O U: :

2.0. . --........

2ED 4dD am 93

FWM Nm&=W a 100D MM M ED 9
..... . IMll WORK FMMNi mwa

-.4. $E-D 0 D ~ E

Za

1: Fig.re 10. P a gte r. a chek blc.e Ioa.irg
gOowing urnomept'dble oxiol roe rveidmzle. 4

is in the process of being regauged. All ARA
balances have the bridges thermally matched,

2A which in practical terms totally eliminates any

effects of a uniform temperature change on the
balance sensitivity. Nowever, bridge seros are

-i . sensitive to any signifioat thermal gradients

__ _- _- -91_ d3__ _ ___ 0 across the balance and these effect. have to be
awt pjug P iT am sinimised by adopting appropriate test techniques

86M~d"wd"W: as described later in section 1.6.

9.' Rmt .oa kThe data acquisition kit has 16 bit recording,
Figu-v 9. Results From a chek balance loodir that is _12,765 counts full scale. Such kit

! -( .showing acceptable odol Foorce remducole. count is M microvolt, hece a recording

, °

Xi W

[:.. ...... .i m ~ l i ' I I I I II [] ll !_!
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eslution of microvolt gives axial snd normal .M

force reaoltioms of 40.11 and ±0.60 etom a AZ
wespeetlvely. Fer a typical q8 of 8000 Newtons AZ I: pestl
this gives CA sad Ck resolution of ±0.000013 and I em
40.00000 respeotively. Each of the amplifier - 4'
modules incowporates a filter which for dreg work ,.AZ
he as DC ot off, a 310 out off frequency of 0.5
U sad O ttenuation at hich frequencies of 18DB -(.
per octave. It follows that all high frequeacy U 3 ,I I
aotse is filtered out before the recording stage.
All the amplifiers have matched response Fgr Ig 1 U . Vul mmFafe n errors clas to ruis.
ohar cteristics amd the 64 chamels (to be
lacr emed to 154 by the and of 1987) on the data
logger are currently sampled by a single ADC in a OM__
total time of 0.004 seconds. (During the current
update programme the data logger system will be
changed to have I ADC per 22 channels).

Three samples of each amplifier output are
digitised but only the median value is recorded AZ -
on disc. Bch bridge is energised by a precise
controlled 5 volt DC supply amd an accurate
fraction of this is fed onto each amplifier at
the start and end of every run. This reference ,,M - fm
voltage is used to provide a correction for 5O 40 a W, 10
every reading to allow for any changes in the DUt1f FLBM am W
supply voltage or amplifier gain.

Ft 9gx I W. Wing FoCtrtring am's class to tip.
Working section total head and static (plenum) tkownmblel
pressures are mesured by Rusks type DDRO00
pressure gauges (0-Z.bar) which have a specified can be seen that the anufacture is not perfect
accuracy of ±O.04mb. The reeding of these gauges but the geometry is everywhere within 10.04u and
is matched (in the data reduction process) to the there are no erroneous rapid changes in surface
output from a Druck DPII40 precision barometer at curvature. This section was accepted as being
the start of every run. This barometer has a satisfactory. An outboard section, however,
specified accuracy of _0.15mb. Thus the possible shown in figure 11(b) has both a twist error (of
maximum errors in q and Mach number derived from approximately -0.i6") and has a book" at the
these gauges are typically 10.0201 and +0.00010 trailing edge of about 0.10m. The twist error
respectively. would clearly affect the spenwise loading and

hence the vortex drag. Fig.12 shows that
Bse pressure correctionsp associated with the geometric errors near the trailing edge can
presence of the single sting, are measured using increase or docrease the drag depending on the CL
±345 millibar Druck type PDCR22 differential value. (Such drag changes are, however, very
pressure transducers. These have a specified sensitive to the configuration design). Per the
accuracy of 0.06% full scale which when converted example shown, where about half the wing had a
to a drag coefficient with a typical value of local mean error before rectificatioon of about
base ares to wing reference ares of 0.015 gives a 0. 10m at the trailing edge, the error in model
possible error in CD of 0.00001. drag would have been about ACD=-0.0001 at CL=0.6.

However, at CL=0.
4 

the error would have only been
The primary source of model attitude measurement approximately AD=0.00002. By the use of
is the Sunatrand QA9O0 accelerometer, usually electro depositing techniques the distorted wing
referred to at ARA as an "incidence meter*. When was locally built up on the lower surface and
a precision load resistance of lOt ohms is used further hand worked on both surfaces until the
these instruments have a resolution of 0.0011 errors were as shown in Fig.13. These errors
per M microvolt and a zero stability of ±O.00oS" were now considered acceptable. It follows that
over a 30"C temperature range. With some extra the need to manufacture models to achieve a
filtering these instruments operate reasonably faithful scaled representation can be both time
satisfactory even when light model actions are consuming and expensive.
encountered near buffet onset conditions (where
the need for fine dras accuracy is no longer a 0.GMD
major consideration). IPO..

4.2 Model Geometrio Fidelity Men_ -- ...............
There is clearly no point in going to extreme
lengths to accurately measure the drag of a model
if the scaled geoeetric shape of the model is 0_
incorrect. Geometric errors usually arise from
two sources;

(I) manufacturing inaccuracies, -0 ........ -. --- . .......
(ii) poor model preparation. Imp

Fig.11, shoe an example of manufacturing errors
due to distortion of the high grade steel which .. . .. D .........
occurred during the numerically controlled " f
machining process in the manufacture of this -80
particular civil aodel wing. The wing had, at IN
this stage, been fully completed except for final

.polishing. igIl(s) shows the manufacturing Figre 12. Tpiol dq N di to m
errors aft of the leading edge region for an in wlng rol tna mmti
uinboa wing station of 242 aN ohord length. It inwg fir g vw1 ' IV.

e
ddrd.

t o

,mmmmd mml • mmmmm~l mm -I..
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The second example illustrated in Fig.16 shoea AZ the effect of a plastic wing root fairig located

AZ ain the Junction between the fuselage and wing
upper surface cracki and lifting slightly

0 during the test. The fairing did mot break but
&Z " in lifting it allowed a leak path between the

inside of the fuselage and the inboard wing uper
-. __ surface pressure field. (The reeen for the

U , ~1 erroneous drag in this example w&4 particularly
Ieum= WI moe = 6W difficult to diagnose because when visually

Flgtae 33 I wa~g r u c t uinspected at the end of the run the fairing had
tip foll r cg c f to reseated in its correct position. It wee only by

inspection of both base pressure measured inside
(j.mL omzq"a 1W the model and the inner wing upper surface

pressure distributions that the leak was detected
Maintaining high standards of model preparation and its location identified). This specific
can often be a difficult task. Both skill, example shows that all non representative leak
dedication and patience are needed. It is also paths suet be sealed. In this case errors of AdD

important to know what is and what is not - 0.0004 were introduced.
acceptable. It can, for example, be calculated
that the drag of 350 wing static pressure holes 4.3 Mach number and Reynolds number deviations
0.6 ma diameter is negligibly small (ac .
0.000003) whilst the drag of a 500 e longtn of Mach number is usually held constant in the ABA
forward facing step (eg a poor joint round a transonic wind tunnel to approximately M -

fuselage) of 0.125mm height is unacceptably large ±0.001 about a mea during the execution of a

( eCD - 0.O008). Figs.14 and 15 show two examples polar by servo control of the fan inlet guide
of how model imperfections can influence drag vane trailing edge flaps from a p/H signal.
accuracy. During a short Mach number traverse Accurate dreg data are however of interest at
(figure 14) a piece filler material 14mm diameter conditions above the start of the compressibility

and approximately 3 m thick which filled a datum drag rise where dCD/dM O and hence a deviation of
hole on the wing lower surface lifted during the AN a ±D.001 can introduce some scatter into the
run up to M : 0.78 and remained protruding until drag data. This is allowed for at ARA by post
one data point was taken at N 9 0,82, it then test date processing where dCD/dM is calculated
left the model to leave a circular recess for the for every data point by curve fitting the test

remainder of the test run, which included data set. Fig.16(a) shows the typical deviations
increase in the Mach number to 0.84 and then a in Mach number experienced during a polar and
reduction back in stages to N z 0.78. Comparing Fig. 16h) illustrates that the corresponding
these results with those from a further repeat calculated errors in CD are of order 0.0002. A

test which wes conducted when the model had been part of the measured polar is compared with the
repaired shows that the protruding filler induced corrected data in Fig.16(c). The corrected polar
a drag error of about dCD = 0.00015 whilst the results are now in a form where they can easily
recess caused a somewhat smaller error of WI) be interpolated to Live Cn values at specified
0.00006. values of CL and ued in he derivation of drag

increments.

a Math in~pfW-on 0M

oo -D. OM J
--- .. ..

L ....................................

0
0.0 0.1 0.2 0. 0.4 0.5 C. 0.6

a.-7 DA) DA O.a" Fig.re 16o.
NM Mim TWio1 l h nitdwr ceviatlian drirg a poics-.

, F19iLm 14.

EFrect dt ical c iprecin
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.Reynolds number in the form dQ9/d log Q8 Thus
every drag data point is corrected to a constant
Reynolds number of say 99 a 2.6 x 109 Fig. 1
shows a typical variation of test Reynolds nmber

4 -------------------with test Mach number ad the effect of~,correcting the drag to aconstant Reyols uber
01 or-2,o is illustrated in Fig18. The accuracy of this

etmtdand aculmdldrag vrainwt
Reynolds umber and also on the difference
between the test end reference Reynolds number.
Fig. 19 shows the amaure" dreg variation with
Reynolds number (obtained by testing from 9 0.8
to 1.2 bars) of an A330 Airbus layout. The slope
of this variation is closely approximated by

--------. ...... dCD/d log 2, z -0.0059, compared with a
theoretical estimate of dCD/d log 2,= 0006
For the example considered this can lead to *CD

a-0.00001 incremental drag errors and an
absolute drag error of -0.00006 in CO is possible

0.0 W. 0.2 063 0.4 0.5 CL . atM z 0. 60. It should be noted, that this
Figr. )&-, method deliberately only gives a first order

% dlolem c post. tet, Mac Lob allowance for Reynolds number effects.* In
T~icc MO.particular no attempt is mae to adjust the drag

smahii an d-1%c,~ data for the detailed effects that changes in
Reynolds number an have on the supercritical

The ARA transonic wind tunnel is usually operated flow developmeent.
at close to atmospheric stagnation pressure
(although it does have the limited capability of
being operated from approximately 0.8 to 1.2

* astmospheres) ad hence there is a Reynolds number
variation with Mach number. The facility also
has very limited means of controlling the airSlp Odof DM
temperature which also affects the Reynolds
number variation. It is currently common --

practice to remove the variations in measured
drag due to systematic or random variations in Co. O
Reynolds number during the data reduction process
by using the calculated drag variation with L -----.........

3.0

------- - -

2.2 2.4 2.M . . .

Fige 19. T tool dcg vaict~ia, with

9" eJjlt Loo MM IJ CL.3D
coaen at 0.70 (6s and 0.5 s

pefeU cosan. (heedtahv
Fi~v 1. W~cl vri~io cftw 4. Telefectcally ftred s flo rbewi

FkToc ovr.m this withlm 48L pointi
aeh reore oer a peio of

Athughte mpori eti n oflthe d Ia ccuatens
_ maintes ait te cotio as depted iac number,

C- 0. A. .0 075~lwvRA thensoic avrin une or ing prodcsiCn

V19r IS T~cc!vples which ty nrallyecn reat tof wthneF:CL-t wokn section Mak umertoilusrae hi

drag isg no efctycntsteTee aahv

bee elcticll fitrd a dsrbd i

..... ... . ..... e t o . 1 . T ov r me t i p ob m, 8 p in

daa sape n rcredoe eido
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4.6 The Iffect of Working Section Flow Direction
Please note different Coo ain and Model Attitude Meauremat

for Polar ad same data. Using the simple expression for CD given in
section 4.1 it cman easily been seen that for C5 a
0.5 and a drag accuracy of CD -00001. a has to
be known to an accuracy of 0.01. This
requirement ie difficult to achieve. (It should
be streamed that in the current context a is the

0 Twimi e F" inclination of the balance axial force
calibration axis to the mean free stress

direction).

Model attitude usually consists of the sum of two
teras

i) the model angle relative to the horizontal,
and

(ii) the angle of the mean working section flow
to the horizontal

.......... -.----- Working section flow angle is derived by matching
lift curves measured with the model both erect
and inverted. Typical values for the ARA
transonic wind tunnel measured during two test
campaigns conducted 6 months apart are presented

0.0 0.1 0.2 0.3 0.4 0.5 CL 0.8 in Fig.21. The floor of the working section is
F r 2. T ico vl 8 nominally horizontal whilst the root has a slope
ig 20. l drag v dJri48 poit, of nominally 0.3" to allow for the boundary layer

soCne ihich ore avegd to give each polar poinL. displacement surface growth on all four working
section walls. Thus the geometric norm for the
working section centreline flow against chich the

4.5 The effect of flow temperature variations measured values should be compared is 0.15'. The
measured upwash is normally within 0.05" of this

The effect of temperature variations through the theoretical value. The objective for accurate
mechanism of Reynolds number effects were drag work is that the flow angle be known to a
discussed in section 4.3. Unfortunately, high degree of precision.
however, changes in flow temperature often induce
a temperature gradient across the strain gauge IL12
belance which in turn introduces what can be
interpreted as a spurious zero axial bridge
output. After a typical one hour run (9 polars)
it is possible that the axial force balance zeros (610 -A ------ ---------
may have drifted by up to the equivalent of CD =
+0.0003 based on a q = 25,000 Newtons/s

2 
( due to

the effects discussed above). Such a drift is
clearly unacceptable. To overcome this proble.

ARA uses the technique of matching the level of
the drag polars to a datum measured during a
short, separate "CDo run" (or "Mach number 0.06traverse") -- - - --------- ---------. ......... I .........
traverse"). "Clo runs" are conducted in the
shortest possible time when steady conditions are o Tod .m 1 -11-19
judged to prevail in the wind tunnel fie when-- Tm.-. * F-1987
both spatial and temporal temperature gradients 0.04---------------- . ....
are insignificantly small). For these runs the
model is set at a moderate incidence where both
dCDo/dCL and dCDo/dM are small and the tunnel
Mach number is quickly changed in steps through 0 ......... ........ ........ ......... ---------

*the desired test range, multiple readings being
taken at each test Mach number. Adoption of this

Stechnique gives minimal instrumentation drifts
but if a substantial drift did occur (ie giving 0
CD ) 0.00006) the data would be discarded and a ram im ___ n_7 ni Gas
run repeated. It has been found in practice that ffi mo
during a normal run most of the axial force Figurel21. Ticol voriaLion oF working
drifts tend to occur in the early part of the run smaion Flow a gle with Mixh rmoer.
and greater consistency of data is achieved if
the pst-run instrumentation zeros are used to The cobintion o scatter and repeatability in
establish the datum level. These drag data are flow aie measurements presented in Fig.21 is
thus, to first order, effectively corrected for about _±0.004'. This is considered to be just
even the smallest axial force balance drifts, acceptable. Of all the itemes which can possibly
For a 1 hour run of typically 9 polars and a zero affect the working section flow angle it is known
drift of up to CD = 0.0003, if it is that the cleanliness state of the smoothing
(pessimistically) assumed the drifting occurred screen in the settling chamber has the largest
at a constant rate then the drift from the start ingle effect. The level (but not the variation
to the end of any one Polar would be of order CD with Mach number) of the working section flow
S0.00003 this is considered acceptable for thedoes vry with tie. This effect.000definition of the polar shaped is however, deliberately minimised by weekly

cleming of the lower part of the smoothing

screen. The flow angle is carefully monitored and
frequently checked.

V. *

i v -- ''



ftrieoe ban sham that the use of good quality a 2
"incidence oeters" is on effective method of r~
measuring imncideos and AlA relies on these 
heavily. It is essential that they have both a D5 W
very stable aesitivity snd electrical sero. If .
eithor of these were to drift significantly, the
effects on accurate drag sessurement would be
catastrophic. The eleotrical aero Wl
sensitivity of those instruments are obtained by :.Am..
oslibrlti s wing a granite surface table sad a
set of east Iron Wedges of kown angle.
Calibrations performed immediately before and
after every test seris are undertaken to.......... ...............-..
aintain the quality of attitude aessuroment;

these chocks. however, always give the smem
results. Incidence meters are rigidly fixed to a
model coeposent a near as possible to the front
part of the balane thus mininising the number of
model Joints between the meter and balance where
minute hysteresis could occur.

.The old method of calculating model attitude
(now discarded) from a knowledge of the loads on
the model and the elastic deflection

c characteristics of the support carts, sting ad -42 .,2J
belane is only retained as a backup 8ystee.
There is ample evidence to indicate that this
systes regularly gave errors of order 0.02 and _ ___

could also have been responsible for an Fig.. 22. T pioa.l siri cm'w iau
additional flow angle error of order 0.02'. ar Rlrbuo uD&is.

effect forward of the split in the fuselage. The
4.7 Su-oort Interference balance measures the forces on the rear fuselage

with the dummy sting in position (ao shown) and
ARA hs for many years favoured the simple, with the dummy sting removed and the bore
circular single sting support system shown in replaced by the correct rear fuselage geometry.
Fig.2 for drag testing on full span models on The difference between the two sets of balance
civil transport aircraft. This however, is not readings gives the sting interference. However,
to the total exclusion of all other layouts, a before the balance readings are subtracted they
lower blade configuration having been used on have to be corrected for the pressure force
some occasions. For some model configurations acting on the internal fuselage surfaces aft of
the fin entry system may have certain attractions the split and,(for the dummy-sting on case,) for
but ARA has, as yet, no experience with this the pressure force acting on the seal plate, see
method of support. The corrections associated Fig.23. The accurate determination of these
with the presence of a single sting and the pressure forces is vital, This can be
clearance bore in the rear fuselage are obtained appreciated by examining the magnitude of their
by supporting the model on twin stings, as shown different contributions. A typical model rear
in Fig.4, and measuring the forces on the rear fuselage (without empennage) may have the
fuselage with and without a simulation of the following forces acting in the drag direction,
central sting. Corrections to lift and pitching
moment are usually very small and are insensitive (i force on external wetted surface
to Mach number and incidence. Correction to drag CD = 0.0022
can, however, be substantial. Typical drag
corrections are illustrated in Fig.22. These (ii) pressure force on fuselage internal

Ireults are relatively insensitive to Mach surface CD z 0.0015
tnumber but vary almost linearly with incidence.

Fig.23 illustrates achmentically the model layout (iii) external pressure force on seal plate
adopted for measurement of sting interference. CD =-0.0016 is base pressure
The method relies on the fundamental assumption (dummy sting installed)
that the presence of the sting has sensibly no

Pcirg stal ic Fpvmew- 7 57.15mm diat Fww-.d balancs Scai-Valvewid

O u l js~ j a L n g S p l o L m w i t h 1 0I 
n f o

dft rowA D  "LOiC promae lm e= KniFm amm blU Win9  black

- Figure 23, Deaoila oF balc d rear Fuselage to cbtain sirgle sting carreincr .
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Thus the unwnted pressure forces are each of sting vertical position. This is not the case
similar magnitude to the actual rear fuselage for sting fore and aft position. Fig.25 shows
drag. These forces are obtained by measuring that moving the sting by l00m relative to the
approximately 50 pressures inside the fuselage rear fuselage changed the sting interference by
and about 10 pressures on the seal plate. The AD = 0.0003.
sost accurately available differential pressure
transducers are used to measure the pressures
with plenum pressure used as reference. Since 5 ENGINE FLOW RIPOSIRTATION
these pressures have small low frequency
components (which are effectively filtered out of Whilst such of the previous discussion has been
the balance output) the effective pressure is related to the accurate determination of
obtained by matching the response characteristics wing-body data, the engine installation is a
on both sides of the pressure transducers major area of drag improvesents or deficits. The
diaphragm, basic position of the engine is dictated by

various design aspects which may well be
The twin sting support system itself is not unrelated to optimisation of cruise performance.
interference free and induces its own pressure Certain guidelines have become known as good
field. Based on calculations by a panel method design practice but there is always interest in
this field may subject a rear fuselage to a optimising these guidelines for the specific
buoyancy force of order WD = -0.0004. application in hand. Variations of particular
Fortuitously, a pressure field of this magnitude interest are nacelle toe and pitch, fore and aft
has an insignificant effect on the isolation of position, pylon height, width, and leading edge
the smingle sting support interference fairings, all of which are influenced by 2/4
(principally because the sting interference is engine configurations, by-pass ratio, and local
obtained by differencing). Under aerodynamic wing pressure distribution.
loading the whole twin sting support rig, the
model wings and the fuselage balance all deflect. The pattern of testing evolved has been dictated
To compensate for the resultant movement of the by the assumption that inlet and exhaust engine
rear fuselage relative to the simulated dummy flow conditions will automatically have an effect
sting, which experiences very small deflection, on the engine installation drag increment and the
the forward part of the dummy sting, is moved by installation drag interference. Through flow
a small integral actuator. This device has been nacelles (TFN) are used to provide a standard
utilised to explore the sensitivity of the rear datum wing + body + nacelle configuration for
fuselage drag to the vertical position of the tests of the complete model. Internal axial
simulated sting. (This is a practical force is normally obtained by calculation of the
requirement, for in the single sting support case losses in the internal strematube between
the sting will take up different vertical upstream and downstream infinity using internal
positions in the rear fuselage bore as the pressure distributions for boundary layer
aerodynamic loads cause different amounts of calculations. Data reduction programmes based on
relative deflection). Fig.24 shows the very boundary layer theory are part of the standard
useful result that the rear fuselage drag (and data reduction system. These automatically make
hence the sting corrections) are insensitive to the small adjustment for variations with

incidence and sideslip as seen by the internal
pressures, with corresponding changes in mass

713P O [ffTOn flow and internal drag. Data is computed via an
W.O-RIM OF EIE off-axis application of internal axial force

which increments on the balance data and is
CD=  subsequently computed in the correct axes

a systems. Complete model data derived this way
will normally have correct external nacelle cowl
lines but reduced inlet mass flow and incorrect
exhaust representation. Results typical of this
basic complete model test representation showing
the variation of nacelle installed drag with CL
are given in Fig.3.

Figure 24. Fuselage dra varit-oion with verticallocation OF. sngle stn oLarsLpo. To complement this complete model data, a more
exact engine representation is obtained with

tests on a half model. In these tests, at the
Dlarger scale of the half model, it is possible to

represent more precisely the details of the
STIM LOOMON engine installation and, in particular, the4CSIN,  0 OolL exhaust flow. For the complete model, it is

& IrVed da 100- extremely difficult to represent the correct

engine exhaust flow conditions whilst making

force balance measurements because of the
difficulty of conducting the high pressure air

......... needed for the simulator across an internal
balance in the model. It is such easier, and
provides more accurate results, if the exhaust
flow work is done on a half model, mounted on a
half model underfloor balance, across which it is

-4D -2A 4 more easy to conduct the high pressure air
without interference. A large part of the engine

04I nstallation test work at ARA is conducted on a
sensitive strain gauge underfloor balance,
designed with the appropriate capacity for
typical civil half models with a flexible duct
across the live balance elements. Calibration of
the balance with this duct as integral part,

Figm 25 eale cF ti .e g rOam ad using small pressure interaction terms, enables
't. locati n an dr c e tam. test data to be basically discriminated to 0.1

L JA
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drag counts in the presence of a 0.5 CL- In through-flow nacelles TFM, and turbine powered
order to represent both inlet and exhaust flows simulators TPS, is the need and ability to be

simultaneously, a turbine powered simulator is able to calibrate the internal drag of the former
used, giving correct fan flow exhaust and the gross thrust and mass coefficients of the

representation of high by-pass engines in both latter to a required high standard of accuracy,

pressure and temperature rise. The inlet flow is ie at least 0.5% in drag or 0.21 in gross thrust.

nominally deficient by the inverse of the by-pass Details of these techniques are compreheesively
ratio and this is compensated by the use of a covered in Refs 5 and 6.
modified inlet cowl shape which provides the
correct pressure distribution on the cuwl at the As a further complementary part of the test

reduced inlet mass flow (typically about 12% sequence, special tests are also made of the

A/Ao). The core exhaust flow is cold and has isolated nacelle, either TPM or TP", to determine
proportionally higher mass flow than the hot core the isolated drag for cosparison with theoretical

of the real engine but it is considered that the estimates and for comparison with the

correct fan flow which shrouds the core will well installation increments from tests with and
'epresent the true fan and core exhaust flows, without naceiles installed Pig.27a.
lingine power variations are simulated by changes

in simulator RPM but only a limited range is used
in practice because of the spillage drag changes
which will take place at the safe time. Major

power effects are determined from comparison of /AEn0
full power TPS and sero power TFN builds with the

sane mase flow ratio. A typical result is shown J AIC DRAr CLE *_/
in Fig.26. Complementary with these tests are GMo.ATEONACEVLE PY5. 7

coo TP.FPR. A0

Flgur-eo27a bI~f nwxll taste O alM 9

, o.6 P,:vard ] finterference
CL In addition to overall per forance data,

incremental results ssociated with the

Flgre.o5 EFects ci Pan Frsa r- lo 1

(FPF g at I.i san ilet , m~ s £ o co u n ts " -...

datum through-flow-nacelle tests to relate back 0
~~~conditions between complete and half models / 

2

* require consideration, as it is well known thatcrossf low tunnel boundary layer effects on the -0 DRAG DUE TO NACELL E PITCH
half model fuselage present flows unrepresent-

taieo cmlt odel conditions. Per this1 
u  FOM ATM0

reason, comparative test conditions are based on 10
~local and spanwise lift distributions derived
~from the sodel pressure distributions in

conjunction with the half model force balance
overall lift values. Related draga are then the
based on derived values of incidence n from the
corresponding coplete aodel wing lift applied to
the half model. the half model of course may be
tested with or without a metric half fuselage andtherere e conflicting arguments why one method -10 DRAG DUETOPYLON/WING
should be preferred to the other. It was FAIRIN AS
original ARA practice to use a non-metric
fuaelage, on the arguments that the FRM--0U78 0
unrepreentlative se f loads did ot confuse
the relt ionshlp between half and colplete
models. This philosophy however later gave way 2 0 r 06
under the mechnnical problems of providing an
effective non-interfering wing root seal and the
aerodynamic considerations that englnenacel einterference on the fuselage wa not umeared on F 9.ree27b Tpica1 rir~lle lflallOlala • non-tric fuselage. A fundamental bass ofthe AlA half model test philosophy with lrlaTte gv w dl0-rlmlrn la
une h ehnia rbesofpoiiga

I , l'-- ,l=--=l,=l elU el" iv l onnlmllrin in roo seal an the II1 Il Il lI
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optindiation of the inetallation are the most
reliable. Ches.e in fairies, pylon saping
&d nalle position ca be quantified in
Inoremetal dreg term to a confidence level of
*M dra count F1i.2?b as long as all the
contributory error factors - Section 3 - are
meticuloisly observed from test to test. In

particular, because effective free stream flow
engle is such en important parameter in dregdefinition, it is essential that datum repeats,
from which a may be defined to 0.01" accuracy,
mut be spaced throughout a sequence. t

6 CONTINUOUS TRAVsI DATA

In addition to demands for ever-increasing
accuracy there is inevitably a demand for
reducing test costs. To meet this, the use of
continuous u traverse testing has been studied on
the basis that it should improve productivity C NFIj

whilst maintaining the required accuracy. A
There is no doubt that results obtained from the
filtered force data uystem at low rates of c
(0.25 degrees/sec) provides more than adequate
accuracy on all components other than drag. Drag
of course is derived from body axis measurements
of normal force and axial force and in order to
ainimise the effects of inaccuracy in the B
measurements of the less sensitive normal force
component of the balance, balances are, where
possible, aligned with the wind axes near the
cruise attitude. In this condition the behaviour
of the axial force need only be analysed.

At the start of testing in the continuous mode in C
1981, it was established that twice the rate of
data acquisition could be achieved with an i of
0.26"/sec and 6 data points per second. This ,LPUSE
produced results of the form Fig.28. These 0 lUE[U
showed a very reasonable standard of agreement
for CL, Ca and CB (RUS wing root buffet) Fig.28a. + WNSTANT TRW- SE
The Irag results Fig.28b however showed some I
minor variations in drag level compared with the 0 02 0. CL
steady-state point data. Repeats using L
pause-traverse polars showed much smaller
differences and the basic shape of the potars was Filr'e.2s Bra 9 co rir s Cf
such smoother. As the u results looked

potentially acceptable there did appear to be contirtma tr e and po e dat
good reason to study the drag repeatability by
analysing various factors which sight contribute 6.1 Mach Number Fine Control
to these small apparent errors.

Prior to the introduction of continuous traverse

ROOT BENDING MOMENT
ACL =CL-Oc CB
0 30-

0-25 -

5.0-

020

ACml =Cm-bc M= 0"8
12- -* CONSTANT & TRAVERSE Oe

4
ec

. MANUAL TRAVERSE

Fiqur.28o LifL and pitch, ccmpx-ie oF cantirnu=. txy' esrse and pa data!

1' ?L

" ,: ~ ' -. " .



tenn, toeln ausheeni fine apeed control Ws tb. tunnel driver and if the valve moved outside
by seove Operation of & plenm chamber. ar bleed its acceptable working range a coarser speed
circuit free the low ape"d leg of the tonnel control by the fen stator flape was used manually

to bring the valve position bak into normal
sunworking range.* The valve speed control we very

Ran WSresponsive and wan a great improvement on the
legs associated with the old system which used
stater flap &I*"e. the valve however hut bed the

PSMISOMslight disadvantage of introducing a snallRAM working section buoyay pressure tere which in
Lurn Influenced model dreg 11g.

UTIK NSMLL N Pnm U na FOR
1U41157 VMSU =K meL

IOM flAPS

7 10l ..1W T ....

-4.8W -20 0. A . *L

$ae m presur thouhus an o inidnc traverse 0

(sotall it conrole / h oiino

this bypass valve wee continuously monitored by

Onc.. ... -.1~4
... ... ...7*I~~ ;W"- Fg~3

......... H ..... c

- - . ......~ru bm ....... ....... ...... ....... ..A:roee
coo krIldK

wa , .anaie costn withi ..... ofth. sa

andv.3 theia valve a ymneonyitoueatotal
...... hang ofc nmer acut 1.8 ua dreg cuntede to

buopency. Thsruoancvers touedb av

movemen shws correcd atomatlyin the daa
nuredctioite sope gnivcienc inverse tom

00M--~ -II acuayof 5, perormun igcmintono
serv vIave d anual staor fls. Mac nmber

Fxg~~~r~eSma maoiid~ ihTeoigtinl conetho deicribe ±D.0v1 bad thOwo
~c~~N ande thero valve aeairgt disadvantages.atota

C.-. chneo aot18 rgon-od&t
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(a) the valve circuit introduced a buoyancy servo valve with manual stator flap (but using
correction to drag (which was much larger on the higher rate of movesentl Fig.32c. For anual
half models) setting of a move/paus, polar the valve and flap

servo control is quite satisfactory see Fig.32d.
(b) the tunnel driver was still in the manual The corresponding valve movement shown on the

loop sAd had to anticipate rates of increase right of Figi32 would, if uncorrected, give a
of stator flap to compensate rates of drag buoyancy of 1.2 counts. For tests however
movemsnt of the valve due to a. where datum wad increment drag accuracies of the

highest order are required it is standard
To overcome these deficiencies the rate of practice to obtain data in the pith/pause mode
movement of the fan stator flaps was increased with the use of the servo valve and its
fourfold to provide a more responsive stator flap associated buoyancy correction.
servo system which sight permit elimination of
the valve. 6.3 Wor hg Satim Flow Umtod/i

The results in Fig.32a-d show that this mode of At an early stage it was apparent that continuous
control with flaps and no valve was still too traverse data was essentially single point record
slow for the test condition of U = 0.14 and would data which although heavily filtered to remove
have been such worse at high N where the model the higher frequency J> I Us) content would still
drag (i.e. tunnel losses) were larger and sore be subject to time variations at lower frequency.
rapidly changing. Data taken in the aove-pause mode would contain

multi point data inputs which are
The next stage was to revert to an automatic computer-averaged to give a mean result. Thus
version of the original control system utilising continuous traverse data must inevitably provide
servo control of both stator flaps and valve random point selection of the varying signals and
movement. The valve effectively controlled the suet as a result be less accurate than the
Mach number but the flaps now also responded with averaged data. In studies of surface pressure
the aim of ainisising the valve movement. The fluctuations and tunnel plenum chamber pressure
results Fig.SZb show that the absolute Mach fluctuations on tests with an sxisymmetric body
number control was no better than ±0.002 but the it was found that the oscillations were sensibly
associated valve movements were sinimised with identical and the amplitude of the oscillations
consequent reduction in buoyancy drag correction, in recorded drag data were, for body alone tests,
Since neither of these two methods controls the very smell i.e. about 0.15 drag counts. To
Mach number to the required accuracy of ±0.001 pursue this investigation further the effects of
the current control method for a traverses is working section flow unsteadiness on a wing body

MACH METHOD OF SPEED CONTROL
NUMBER FLAP* VALVE TYPE OF

0-74& COPERATION OPERATION INCIO ENCE
[\ TRAVERSE

I , SERVO CLOSED CONSTANTAASERVO SERVO CONSTANT C
0. HANUAL SERVO CONSTANT it

SERVO SERVO MANUAL

--. U
074 - 000

f 1~Id]
f .0 2-0 0 210 4. cc -p.0 -20 0 260 4-0

-THESE ARE TRAILING EDGE FLAPS ON THE FAN PRE-ENTRY STATOR GUIDE VANES.
SPEED OF FLAP MOVEMENT INCREASE 4x FOR THtSE TESTS

Flgivee2 EJf ct df vaiaia mo~des oF uspeed w,(a-ol servo

on mach number and valve positionI
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configuration have been examined by recording and with an amplitude close to that ..f the
data In a 30 second period at a rat* of 4 points pleaum. These results indicate that a time
Per second. Th. results shown in Fig. 33 were averaged force or pressure result taken over a
obtained at V a 0.8 over a rondo Of CL variations period of about 4 seeomd" should encoapass eall
free 0.2 to 0.1. i.lS shove that not only did the very low frequency variations to give a
the tumal plenm pressure oscillate but the reasonable seen value. Fer steady state
model pitched with an amplitude of about t9.01% move-pouae data it is practice. particularly
At the stronger fluctuating conditions where scanivalve pressure data is being recorded,
corresponding to higher CL the traes clearly to take a force semple for every saeniwalve port
&bow that the' flow pressure unsteadinss and which gives 48 forces data points over a saple
model bounce were inter-related. Correction for period of 4.8 seconds, visas3 indicates that
the inertial bounce effect on a did reduce the comparison of single point data with the time
amplitude of the CL~ and CD fluctuations but a averaged data gives a possible scatter of the
significant faoe reiationship to pressure former of:
fluctuation was retained. The reaults in Fig.33
show that the amplitude of the 0b and. CL CL - 0.2 CD -+0.2 drag counts, CL 1-0016
oscillations were very small at CL 0.2 but at

CLa0.5 the drag oscillations increaaed to 1Q.5 CL a 0.5 CD _+0.7 drag counts. CL !t-003
drgcons It is seen that a. continuous traverse mods of
At both of these CL test conditions at N * 0.8 force data recording on a coeplete model at
the smi frequency usa about 0.25 Ns with plenum typical cruise levels of lift will not be
pbessure amplitudes doubled from ±0.7 ab at low satisfactory for inareental drag discrimination
CL to 11.4 ob at CL a 0.5. The body pressure between two configurationa. Traverse data will

were found to fluctuate in phase with the plenum however be just acceptable for absolute drag

MESASURED DATA
-COAISCTID DATA (t. constant a)

...... .- ....i ....

.... -........ iii
.. .. .. ..... ..

.. .... ... .. _......_._..

C~nO.L

Fl~~~res33 Tin.~ ~~. vai,........ f -ss.mc a-m
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definition or series to &eries comparison. It Point averaging ede and from Fig.34 it is see
csa hoever be srod that a polar defined by a that the value of the averaged aias force for
multitude of points from a continuous traverse the three repeat cases studied is consistent to
say wall provide significastly enhanced drag better than 0.5 counts. For tests where the Maoh
scuracy after data smoothing. number Is beyond the drag rise, account must also

be taken of the computed U for eah of the 48
4.4 Ralf ai -eatim" points to select only those points whlch are

within ±0.0006 in AM of the nominal u, the drag
for modern advance civil wing configurations for these points are then averaged to give the
Reynolds number effects are large enough to value at the nominal M. Attention to this type
require development testing to be done on as of detail is essential if the apparent
large a model as possible. In addition, as randomness of data is to be understood and
mentioned in section s, for development of wing reduced.
mounted engine configurations with engine
simulators it is more practical to mount a half
model carrying simulators on a floor or wall
mounted half-model balance. The consequent aodel I QUALITY OF DRAO RaUL
scale is normally about 40Y greater in linear
dimensions with the lift generated on the half Fig.35 shows the standard of drag measurement
wing being equal to that on the wing of the repeatability achieved in the ARA transonic
complete model. As a result the distance of the facility a few years ago. The inter-test series
tunnel wall opposite the lifting surface of the repeatability obtained on nominally the mae
half wing is non-dimensionally the same as that model configuration tested during three campaigns
of the complete model, whilst carrying twice the gave a total uncertainty in CD of sbout 0.0006.
lift. he a consequence it was not surprising to (The model was totally disassembled between each
find that the amplitude of the fluctuations on of these tests). Fig. 36 shows that the shapes
the working section and plenum pressures was of drag polars Jmatched to the same drag level at
considerably greater for the half model. CL - 0.296) could differ, within a given test
ixamples of typical fluctuations in force and run, by up to 0.0001 in C0 . These standards just
pressure data are shown in Fig.34. A direct set the requirements specified in reference 1 but
relationship has been shown between the tunnel certainly did not meet the further requirement
plenum pressure fluctuations (or M indicated) and discussed in section 2. It was against this
the pressures measured on the surface of the background that concerted efforts were made to
half body and the axial force on the balance, gradually improve all the constituents which
which effectively remains unfiltered at these
very low frequencies. The CD fluctuation levels -
shown in Fig.34 are about half the original c -04Db

il . I lIM 3 ---------.. -- - -... . . . ....... ......... . . . .

. ....: - ..- , '... . ii --- -

Fiur 35 .al stnal o!itrte.sre

i i Flg r epso5. r Ilit j. Single st." toLnet.

I~~~~~ .......e..li ii11

F1gure 34 Insatbllities holF models.1P n'

Deointll of do ecaples, Worstit4tiNl

3 COpoinLsaoLFilxed CCs

, De ile les o~ns ltut n3  .... .. ........ i......... . = .......... ........ ,........... .....

magnitude as it was found that these fluctuations
were related to a strong separation of the tunnel
flow in the WS corner on the wall opposite the
lifting surface which responded well to the 0n n- 0. 2 D a 04 C* U . 7
addition of vortex generators, As a result of
the large amplitude of these lon frequency F"r & ld staafd ptelar du reepai 1it
fluctuations it is impossible to use continuous IJiamd in ide .
traverse data. All data is now taken in the 48 Singlstin temte.

4



F sheoboe the current quality of typical inter-teat a1-1

C .01about a an". Differences i h
a of epeatdrag polar. performed duringth

sama test ram, Fig. 35. are sow so suall that
the two polar. are indistingisbable... ..... t----------i---

In the Pat it ws not comae Practice at AlA toDo
investigate the quality of drag muets by
undertaking extennive repeat testing and hence
exeaples which predate those given in Fig.35 a 1 2 3 Oe 4
(8ay of 10 Years &go) cannot be presented. Iven Fig"r 3.L D..rent. e ard d inix-teet se

now "bck o bck"testing in unomemon end
saistc on ine-test series repeatability are drag rapeLailltg. Twin sting teets.

often difficult to obtain. The reasons for this,
however, are quite understandable in an
industrial facility. For as a civil aircraft It can he seen that even with the current
model pass through the development phase the standard of intertest series repeatability (CD
model often starts euch successive series of +0.0001) it is still essential to establish a
tests embodying the geoeetric changes evolved drag datum level within a given test series when
during the previous tests, fine drag increments are a primry test

objective.

- r The current standard of inter-tsst nories drag
repeatability obtained f rom model tests conducted

n~ausing the twin sting support system is
illustrated in Fig.39 to he within CD ±D.0001

--------------I -------- about a mean. When it in remembered that these
I~n results are derived after the application of veryICP6n- large corrections to remove the fuselage internal

.......... ------4-------------- ----- pressure force f rom the balance readings it is
quite remarkable that such a standard is
achieved.

........ -------- hilat inter-test series drag quality is not
demonstrated on a regular basis, the

2- repeatability within a given test series is now
determined routinely. It is comon practice to;

(M repent at least I polar, and

I ii) repent each "CD, run"

* for every configuration.

C00 This effectively means that the drag level of
0.0 0.1 0.2 W. 0.4 0.5 CL 0. each polar is measured at least twice and the

shape of approximately I in 5 polar* is also
Fig"r 37. Dxww* staidad o' ir~u-Lee series checked. Sample results fron both mingle and

rvpotb I it~y. Single sting teets. twin sting exercises are presented in Figs.SB,
and 40 to 42. Drag repeatability measurements
are now consistently achieved within:

- - polar shape CD 40.00002

Cp0,.~wlopolar level CD ±0.00003

-- -- - - - - - -- -- -- -- ---

.........
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par

C. AUKW

Centre d 'Eoas do Nodane-Avrteuz
D.P. a* 25, 73500 Mandans, France

at

C. PIIJOL
AgROSPATIALZ Toulouse

D.P. n' 3153, 31060 Toulouse Codox 03, France

La pr~vision des performnces d'un futur avian do transport nhicessite una prficislon de Is me-
sure do coefficient de trafnge du point- (1.10 -4).

Laoxpoeg pr6eante lea rioultats obtenkus dana ce domaine daoes lee enuffLertee SINA at S2KA du
Centre deassale do l'ONSA, A Modane-Avrleux. Lee eAthodas utlileogee pour obtenir Is qualltAi cherchfie no
prisentent pas do nouveaut& do fond, male toutee ant Aime caen oauvre de f*4;on tr8. enlgndc en multi-
pliant lee radondancee at lea comparaleons. Leoxpos& prente ausal des examples des u~thodee employ~es
pour corrlger le* rfisuitata des effete do parole et de eupport.

L'un dee objectlfm qua ae fixent Lee eax- C=TD'EXPLTATION
pirentateure en snuff lerts eat de msurer Ie
coefficient do tratnie d'une usquette d'avion de
transport do type AIRBUS (figure 1) swat I& prnici-
elan aboolue do 1.10-4. aux conditions de I&
crolelAr. (rdfirence I). La coefficient da trae , -
& me rr dens ceo conditions Gtant de Veordes de
3 0. IM, I& priclelon relative at do l'ordre a
de 0,3 2. Cette pr~clelon dolt persattre d'identl-
fier do fagon assurfie des kcarts do tratnie entra
diffirentee configurations de I'ordre de I I de is
tested*, colt environ 3.10-4, at do fairs

mieux, s1 possible. a

rig. 2

A quol correpond catte exigence de prfi-
cisi, dens Ie cadre du dgveloppement dun nouvel

avion de I& faeilie AIRBUS ? La figure 2 prieenteEl . dens as Partia gauche lea composantes esntials
du coOt dlexploltatLin direct d'un avion de trane-
part moderne, at, 3 drafts. lee Ilents constitu-
tife do prix de Ilavion tines do Ia rfifirence 2.
Ls Prix du carburant entre pour IS Z done Ie colt
d'exploltatlon direct alare qua leneemble dee re-
chatchee a~rodynsiquce ne reprisente qua 0,5 2 du
Prix, edlt 0.2 2 du total, Is part dee eseale en
soufflarle ne foreant qu'une Partin de cee deux
ailliea. On gain de 1 2 eur Is tratnle, done eur
Ie carburant, conduit I une Aiconoule de 0,2 Z our

Fid. I Is coat d'exploltatlon direct at couvre Ia fHomn-
cement de lenseeble dee recherchee atrodynami-
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quo.. 11 ect donc, partic 1iiremont Intfiresoant
diLnvestir done co domain*. L~fvolution du prix du I - E88*18 SIM&
carbuont pour modifier cao ordres de grandeur
mats no change pas fondamentaiement l'Intgrit 6co-
nomique, d'une riduction de Is trafnie, d'autant La souffierie SIMA eat une soufflerie
que catto riduction pr3.sente aues1 des avantages continue atmosphdrique dont les veines dessel de
.n mature, do distances franchissables et de char- 8 matre, de diamitre permettent doeayer des ma-
g00 utiles. On refarquers I carte ocasion quo quottes d'avion de transport d'euviron 4 mitren
linfluence du prix de. asseis on soufflorie our d'enverguro juoqu*l do. nombres do Macb do 0,90.
le colt direct doexploitation d'un ovion do trono-
port oat prooque nigligeable. 1.1 - Fidiliti A SIN&

Cooat pour ripondre 41 ce beson quo 1a, La figure 3 prioeoto un exemple do re-
Direction dec Grande Hoyes d'Eocais do POMERA a comonent obtenu au oeto d'une rotation A SIM;
diveloppf leaodmthodes at lea moen It&@ A Is me sll monire I'Evolution dos caractfiriatiques lon-
sure priciso do Ia trotafie do. avions do trans- gitudinales do 1s maquette su couro d'uno varia-
port. Ce diveloppocent a Sti conduit en collabora- tion continue do l'Incidence effoctuie dono lee
tion avec lee conatructours concerois, mimnes condition. afrodynamiques on dibut at on fin
1'AEROSPATIALE ot NIB, ot a donng lea fidiliti. do de rotation. Los rioultoto soot obtenus par Inter-
L'ordro do grandeur voulu pour lea &seats Indus-. polation des donnies brute. A nombre do Mach et Cz
trials effoctugo dons lea soufflors SIMA at S2K fixio. Les fcarto soot trop petits pour pouvoir
do Centre do Nodane-Avrieux. Coo rgoultats ont Sti Stre observis I l'Ichelle habituelle do ceo trac~s
pricentis done la riffrence 3, et le prfioent docu- et des agrondiosemento locoux coot nficessaires
ment reprond coo Eliments on leur apportant un pour lee cettre en Evidence. Dane t cc c, l'Ecart
compL~went d'infornatiooo. en Cz a1 Cz 0,5 oct do 0,3.10-4. c'est-i-dire A

l'intgrieur do Is fourchette de dispersion A
La priclolon asolue du 104 doLt tonir.

4tre comprise au 0000 habitual des calculs d'er- S I POLAESDE FCOLEpNT
rours c'eat-a-dire comme une Evaluation do l'6cart
maximum entre le, manure r~elle at one hypoth~tiqus
m..uro parfatt qui oerait effectude dane leo al- MAN.
oos conditions. Cette pr~cision no pout Atre Eva- ""1
luge pratiquoenet qu'on iniltipiont leo mecuroo et
on analysant lour disperson. Cetto dicpersion
qualifto la fidilit& des manures at cooat elie qui
eat doonfie coo.. one *valuation de Ia priciolon on
conoidgrant quo ie premier des objectifo a attoin-
dre Oct d'ftre capable do retrouvor leo mimes ri- U
oultato doce des conditions identiquec. Une fid6- U9
litfi des mecurec au niveau do prficisio. requic eat
d'ailleurc cuffioante pour identifier leo $carts
cherchic entre configurations. La justesse des me-
cure. no pourrait Itro globalemoot Evoluge quoen .I sc"t C:
00 r~firant A d'autreo assures do qualiti am mbn an Mi za an US 11")-
&galeoeffectuges par ailleuro. Do telles mosuroc
no coot pas disponiblos pour SINA qul o'a pas dEf- Fig. 3
quivalent, et e11cc cont raremeot disponibieo par-
to quo lec asseis effectuis done diffirentos Ins- La comparaso dec rfisultats successive-
tallations correspondent g~niralemeot A des phases moot obteoue Oct facilitie on calculant la trotnfie
cuccecoiveo do dfiveloppement du projet et foot que noen A portance donnie, puts Los Eicarts algi-
lee comparaicoac cost difficilec A organiser. briquec par rapport I la anyenno. Lec figurec 4, 5
L'expfirlmentateur no pout donc assurer Ia justesco ot 6 prosentont des examples do, coo comparaicooc

*de. assures at lour vcliditfi qu'oo choiciscot des au. coin d'uoe rotation (figure 4), ontro rotations
apparolos de sscures pricis, en lea vfirifiant d'une mime, campagne (figure 5) et entre canpagnoc
conctaument ot on utilioant des rodondance. chaque (figure 6). La figure 7 regroups doc El6ments sta-
fois quo la monure d'uo paramitre Oct possible par tictiquoc pour ceo trotc typos do comparaicons.

*ploateurs anyone do mecure diffireoto.

Difinir Is prfision abcolue avoc la- RCI.E~TDN #ERTTO
quells los caractiristiques en vol ceront pr~vueo
A partir do. acnaic on soufflerle oct on toot au- I Ci Ci
trs problime. La transposition oo vol Oct effec- c.
tuie on deut 6tapec. La prentiro consiste A corrn- I
ger lea r~cultots d'eosai des torsos parasites 94- a-I'l
propros A la soufflerie poor 6valuer les ricoltats

qui soraient obtenus cur la alme coquette, danc UJ3

libro at @&no support. Las corrections do ce type
usoellement appliquios A SIMA et S2NA coront pri-
conts done la soito, male l'Evaluation de lu
Justncss ect trio difficile A1 obtonir. La deoxiame 1 .C C
&tape, qui ect one transposition pronant en compto .0,-10-

les diffirence. do, giomitrie et de, conditions ad- ~ F - 1  i-
rodynamiquoo, entro Is moqoetto on champ libre et a-
L'ovion en vol, ne cera fivoqube qo'au nivoau decs1ii
contralec des d~formation. dec maquettes en *seat. i

, 1<7
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Cequa polqe do Ia figure 4 prlmeate poor trots nombres do Mack do 0,78 A 0, 82. Los

aooemmo A3 K 0*70 dean se rotation. Sur hiatogreima aoeocib6 A chacan dee graphiquas doe-
c~e~ d~~~ Ie bit.alg~ciqee -trenie meat Is distribution des &carts par rappo%~ a

Pet vapw vommpm(beem)m oul yage. Cos &catasm dpasaest 1.1 quo
as feactleg do In vaetonv (aide-ade). Le histo- tram ezpeptioaallemnt at gout imf~rieurs A

giosa anal~de amagopqh as densest lam dim- 0. 75. lO dame 93 2 dee cam. Sur is figure 7,

do MgIA1M .1 - ~at chale per l'explrimnte fourchetta de + 0,75.10-4 dana 90 Z dos ccc.
taot. I1e popsemegage dog polate dae uae fourchet- U~na awhiimrtioa do La prficivimo pourrait Otr. ob-
to doeagt quealit In k part do In courbe reprsen- temu. an mugmantant La nombre des semurem at des
toting dea ta devlue. Lam a prleemtc coat re- rotationm, maim Les contructaurs concernia n'ont
prismw~ife do a. quL not a~mraimat obaarv& pan jug&C nlcesaire daougmenter In taills du prS-
Ie amrct*. antre polaliem comarbles de d~hut at idement * la pr~cisicam tenuem donmnt satie-
da f~adua rtto edpmatpe fcin

ga0~ eit + 0, 5.10~ par rapport IsL
moyenaa. Cam cosarbam reprimemtatives dam Scottm at SI.ECOLFEMETEJTFE CAAGALES
ces bietegreame moat mystimatiqumment produito I
Ia fin do chaqum rotation, cm qui parent A l'ezp&- 6-rgt

rimentateur do iuSger aumit~t Im validli da Low- e
Ornoce em cents. Sur Um figure 7, L'hietogam I
da gauche regroups towe lan histogram obteume @AS 31M
do ctte fea pour 1"e 24 rotations d'un nomw *- I-
gal. Dam 91 1 dee cam, lee oearts per 4~pota ilU
ma dpasmaet 1. 10- qua pour 0 5 2 des cam.
Les Gcartc lea plum forts oat StS obeervis mu 1 . tcost* W'ae rotation sprig laqualle ii avait StE - - -
contati quo dee orifices A In surf ace de Ia a- eIm
quette n'ftaimnt plum obturgs avec Im om qualiti
qutevont Is dlmarrage. Ce Wofut avait GtS eatimi_____
muff taggmat pan important pour qua Lam ricultsta
solent coeaervms ; L'histograin gSnitl en ports
nlamoin. is trace. Lea rotations pour lesquellam
dam difauts mont clatirement Idestifige no mont pam
indlusa dane cam statimtiquae comae ma faimant
pas partia do Ia agum population. La disponibili- Fg
tf do cat hiatogramae Sgniral paret de juager tin ig
m~distesent at Ia dispersion obeervie lota d'une La figure 6 prlmente emf in une comparci-
rotation at mormale ou non, at. dama Ia cam oa son entre daue caqoagnem d'eai &Gpare per un
*e na ilet pas. l'axpirmntateur engage une intervalle de six Bois pendant lequel La maquette
expertise pour Identifier lorigine de L'auo- at Is montage ont Atf entfirement ddmontim putsmalta. renontfm. Le systime de reprfisentation eat Ia slma

qua pour la figures prlcidentem. Aux noebres de
Si1 .RCOPEMwENT ENTE ROTATIONS Mach 0,78 at 0,80, taum la carta de trafole mont

Inffirieurs A 0.75.10-4 at. mu nombre do Mach
02C Ca 0,82, lam ficart me d~passent 1.10-4 qua done

10 Z dam cam. Sur La figure 7, i1histograuma de
drmite prlAsnta Vanmamble dam fcarts antre cam

0.6.8 MA Cut campagnam regroupda pour inept nombres de Mach an-
tra 0,60 at 0,84. Toum lae &carts mont inffirieurs
a 1,5.10-4 et,_gans 80 2 dem cam, im mont in-

Jfirieurm I 1. I0~lit P SIAEOUPEENTS. -HTOGAMMgES D'B.SELE

AC. Ac.mC.

ROAT SAPAN SOM OS 3 0 O

Fig. 5 _____

Cam coaraimomm symtfimatiques eff Sc- 0; ,Wa
5

mm, ,- -- .
tudsa A un nombre de Mach modirg (0,70) qumlifiant
ammntlallament ia fidgliti du dimpoettif axpini- Fg
mntalI danms dam conditions a la phlnoadnc Fg.
tranomoniquem me jouenc pam de r~le sticmttf. Lea bietogramo do In figure 7 parnt-
La fiddlitS effectivement obtanue aux conditions tent do comparar dam dispersionsa mugain d'une ro-
do Ia croimitAr eat Illustria pint Ia figure 5. Lom totion, ntre rotations d'uma mime campagne, entreIgraphiquem prmasntent la carts algfbriquem de camague pour ma grand nombr* de privements. Latratude par rapport A Ia moyanna (abscisma) am Icarts gout tone infbriaurs 1 1,.04 maigfonction do La portencs (ordoni) antre daue ro- I& distribution dam 6carts deviant plum plate

tations dIffirentesea ues ond~but at f in quand Ia durfie d'obmorvatton augment* at qua IaLIun egs-manor ofgrto donnia, noebre de facteurs perturbateurs augments.
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L ensemble do can rlsultsis prlsente les
fidlis A court term at I Ions terms. Eiles
soot considirdes come satIsfaisantas par lea d.-
mandoura d'essais. Quoiquas eases out prisenti
do* fiddlitioswmilleures; veto Ile no somt pas as-
sea nombroux pour ftree considlrls aujourd'huia
(1987) comes constituent Is norneaet ne soot pas
prlmentli int.

1.2 - SopooitW einiriatal

Cemeent carta fidllit& eat-alse obte-
Due 7

Lea anyoe emploY~s *out co habitual-
lest utillogsa u Centre da Hadane-Avrieut pour
lea asets do pealie, mais tout Ie proceasus eipI-
rimental a UtS repanof do fao;on I incorporer lee
mellieura apparelas at lea milleures mlithadas
diaponibles. 11 o'y a done pas de nouveautf de Fig. 9 -SIjIA. A310 aur dard en lam do sabre
fond, mats n simple changemant de degrg done le
niva glnliral de Ia qualitf. Ce changemnt de lii-
veau ne pout ftree obtenu qu'en organisant spfide-
lament lea asets at en consacrant du tempa A de
eras nombreux contriles. 11 en rfiauite une augmen-
tation des dunges et des prix qul limite Ie per-
fectionnement du processs explrimental at rliserve
son utiliaetion aux expfriences ol Ia coonaissance
tribe prficise de is trafn~e eat un objectif priori-
taire.

1.2.1 - UStbodm

La proceasus expfrimental comporte tou-
tea lea ftapes de l'explnience, depuis s concep-
tion juaqu'l Is fourniture dea rlasultats dlifini-

tifa. Tous la 6idments qui le composeot condl- iII.
tionnent Is qualitS du rfisultat final at dolvent
Istre utilias so au mux. La dlfaillance d'uo saul
coapromet le tout. 11 eat done Important qua, Aa
Ie d~part, l'objectif de qualtf aonte explicite- Fig. 10 - IlMA. A310 sur dard dlrive
ment axprial at coninqufi * tous lea participants
avec, al posaible, lea valeurs chiffries qui Aol-
vent ftree tenuea. Catte orientation Initisle eat maquattas de VA 310 su 1/14 de 1'AEROSPATIALt
nlcassaire car. dana des easea ol de nombreusea (figures 8 at 9) at so 1/9,5 de MBB (figure 10).
Squipea coliaborent aur des intervsllea de tampa Ces fichelles permattant una boone reprfisentation
qul peuvent couvrir des mois et des annies, Ilob- de Is giomitrie de l'avloo, y compris des ditalls
jectif dolt Atra 6galeuent perqu par tous. La qu £1 aerait difflelle de reproduire Cur des ma-
rguasite dlpend A'une difinition explicite de quettas plus petites. Une maqoetta de VA 310 au
l'objactif puts d'una bonne coopiration de toutes 1/38 utilislie I S2HA a aussi ftfi essayla A 5101

isaEqupes L'ne es onsquecesAs att faon dane le but de dfifinir lea effats de paroia A
do procdder eat qu'il faut accepter d'Scarter lea capitsrebdluchpte2

aurs compllmantaires dont Is rlalisation pour- L'AEROSPATIALE at hES, en accord avec
rate compromactre l'obtention du rlsuitat prin- 11ONERA, portent one granda atten~tion 41 ia concep-
cipal1. tion at Is rlalisation des maqoattes pour obtenir

L.2.2 nowmttow;qua leur glomlitrle soit blen dfifinie at file
1.2.2- ~amttm.dona lea conditions de i'esas. La prficautions

prises soot trih nombrauses at on an donnara ici
La figuras 8, 9 at 10 prlisentent des quelquas axeamples. Les aquettas soot A'abord cal-

naquettas caroctlristiquea3 pour S114A. 11 asogit de cullies pour qua, anus la charges an eassil, leon

w farie naote celia da lavion dane la conditions A
simuier. Un contr~la expfirimantsl de la flaxion do
bond de buite at da Ia torsion do bout d'aila a
Ati effactu6 Al ioccasion A'aaaais exploratolras
(voir le psragrapha 1.2.13). Las 6Aiments qoi lee
component soot robustee at an nombre assi rfiduit
qua possible pour limiter lea causes d'incartitude
sun lea formes. Une bonne solution eat d'avoir on
caisson central A is forms do fuselage, fixg di-
rectemant our Is hal inca at recevant la vollura,
lea palates avant at striare (figure 11). Las
liaisons mlicaniques soot anignfies pour assurer una
bonne rigidlit at une boone fidfiliti lora des moo-
tages at dfimontages succeaaifa. Las raccordemeots
entre 61iments qui affactent la surface wouillfie- aoot rfialfs de prlfifrnce dana des zones do g6o-
mltrie simple pour facilitar lea rlaslisationa at
lee contr~lea. Les A14ments de I& aqoette soot
assemblis svec des joints o dea produta assursot

Fig.8 SNA. 310aur arddroili'tsnch6itl des liaisons de fs;oo A fliminer leaFig 8 SIA.A30 urdad rat coulemeots parasitas. En coors dasali, lae expf-j
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rimeotateurs sfforcest do o'emloyer quo des of- dispooltif d-Staocbfitf matte Is lawa at 1* fuse-

thodes coblrsutee ovac lee prfieautiooa Iitial*#. loge. Wtin I. dard lui-mfma, placi aw-deaaua do
Le LS UI.6trias rflimSee A 1* pfte I mod0ee at is mequtte, perturb* moina Is champ de pression
lee Gtaacbfitlo par rubowI adblfs no pouvent do I& pointe arrifre. Ce montage a donni satiafac-
atre employfes dane des *ssais od I& fidilitA dae tion A S114A at un dispoaltif analogue a ftf rfali-
forums at des 6coulsmsnts at excestielle. a& pour is snuff lone S2KA at a US ale m o euvre

so dfbut 1987 au cour. d'easais pour

STFUCTE~ DE LA MADLETTE i 'AzaosuATIALE.

1..4-alsmos

Ls rfusate des es"sa dipend fortemsot:
do Is qualitf dos balances. La @*sets do assures

CAS CB A pricisas de I& trainfe bfinificient des progris
rfallis dana ce dominon par Iao spfcililotem do
is dynamoAftrie as coin do is Direction dos Grands
Koyeno d'Esais do i'ONERA. Li aussi, on no pout:
donner qua quelquas eamp~les. Tous lea ponts do
jauge des balances sont comenods thernIquesant en

COME 14"Ca= zro et sensibilitf ot is balance doneso s0mer.
bla eot conque et &quip&* pour mlnimaasr leo ef-
fats des gradient@ therciques. Lea ef fate therno-

JONT DVrT~ANU1E SE D VLM .ficaniques risiduele soot prim en compte on 
8
iqui-

pant lea lamas do dficouplage entre partis pasfa
at non p.04. do Is balance do ponts do jauges qui

Fig. 11 me auront 1ea efforts Internee ot dont lea signaux
st traitfs par is satrica do Ia balance. Loen-

&*ablo do ces dispositifs eat 4prouvi et sjustf

1.2.3 - Hotmr os des tarages qul comportent une simulation
aussi procha quo possible des conditions thermi-

La figure 12 prfisante trois types de ques quI aeront rencontrfesaon esai. Can pricau-
montage utilins a $11U. La maquette do V&A 310 o tione soot indispensables I SIMA oa, comes on I.

varre plus loin. lee cosmic soot offoctufa A des

S1 MONTAGES tempgratures pouvant aller jusqu'i 60'C. Lea tare-
ges sous efforts soot effoctufo our on baec doot
lee -randes dimensions, Ia structure rigide eZ. lea
Squipeuents do mesuro donnont do tria boones con-
ditions dfStlonge. Lee matrices dfitalonge
prennont an compte toutee la interactions en for-

DAF4 sast ce ot sosent, liofaires at csrrfaa. Enf in, done is
meauro du possible, lea balances soot rfola on
doublo pour quo, On cas de dffaillance do llune
d'elles, 11 soit possible do continuer l'ossai
avoc is balance jumello. 11 oat important do sou-
ligner quo Ia balance, qui Joue uo r~le essential,

DAODPW ne pout pas 8tre contrflge sur le site an couro
d'oxpfrience, du oin. samec lo nivoau do qualiti

~ requia. La validiti des rdsultata dfipend donc for-
tenant do Ia qualitf des rfalisations et des tsas
gem. En cours d'essi lo boo fonctionnomont do is
balance oat riguligrement vfrifI ia n s *aesursot

DAM DOM qu'avant at apris chaque rotation, dane des condi-
tions identiques, I& balance fournit bien lea sl-

Fig. 12 os signaux (voir 1.2.6). Le contr~lo do son boa
foncionnemkent est susei vfirif if en effectuanst W4I1/14 do 1AEROSPATIALE a ftf montis our un dard riodiquesent Isaclue expfrionce (polaires de re-

droit (figure 8) at our un dard on lame do sabre coupewnt) at en contr~lant lbhocogfoitf des
(figure 9) au cours d'une aloe campagne. Le mono- rfaultsts.

go or dard droit comportait one balance Interne
d ernds mensibiiitf en tratofo minis dont is ca- 1.2.5 - ImoIdeme

pscitf en portance Stait limitfe, montage spfcia-
1smeot choisi pour donor une bonne prfcision Oin La nesure des of forts oat affectufe avec
traofie I la croisilre. La deuzi~ce montage ases one balance Interne lie I Is coquette, donc done

Ciait un dard sbre et une balance Intern. de for- son syst~ske dlazes, at la tratno et 8ff mi done
to capacit& pour persettro des easeis au tremble- lea as lifs I Is direction du vest. Lt change-
moot. Ce dcjible montage Amite do sounkettre one ba- soot do trI~dre dolt 8tre effectufi sae une prf ci-
lase trimsaensibla en trafofe aux charges dynami- aso cohfireote avec Ic prficision charchfa. Four
quo. ioduiton par Ie trocblement qui risqueraievt une prfcicion requiem do 1.1 1D4 our 1.! coeffi-
do la dgtdriorer. Cot example iliustre une volontf cient do trafnfe et un coefficient do portance de
comisne I IAROSPATIALB ot AI 'OMBRA do choioir 0,4 A Is croisilfo, Im prfcislon our l'incidonce
les montages qui donont lea milleures garanties doit Stre ceilleuro que 1,4 ceotim do degr6, en
do rfusto dams lea domainos oa Ilesearout a*- supposat toutoc lea outran erreuro mlesa. Cleat

ployfa. ILa figure 10 domne un autre example de une priciaion difficile A obtenir et & tenir ou
montage choisi pour gastir Is boone qualitf des cours d'essais tras longs. Une simplification ad-
wnure de tratofe. La maquetto HBB east tenue par mloe eat do considfrar quo la ssures effectufos

un dard dorsal doot Is lawo prood l& place do Ia sont comparative* et que, pourvo quo l'acendanc*
dfriva do Ilvion. La dard pinitre dane une partie doe wine no vanle pas, Is secure do lassiette do
doi fuselage oil Its presslono variant peu, ce qul La soquotte suffit A qualifier lucidence. Llex-
minimise lee interactions. Los Interactions rfai- pfnionco justifie cette hypothise. Maie, dane lea
duellee ont poa dtinfluence our La force assiale cas oa Ia coonaiooance do lincidence *Ile-a

puIsqu* lour projection our l'axo eat sensiblenesst eat ofeosasiro, 11 fout effectmor des mantres do3
skulls at coo effete moot encore rfduits per un
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l'oscendanc* do veins A partir de pes~es de Ia ma- vitesse qu'en coors doessci et pendant laquolle
quette A 1'emdroiz at A l'*nvers. toutes les nsures d'aesstte et de force soot ef-

fectu6*s. Les efforts afirodynsmiques soot calrulis

bMES DSTEM rooms s'il a'agiscsit d'un essal, mais. oi Is ba-
lance at Lee capteurs d'assietts sont correctement

1941240MEM ~ raiglas, ces efforts devraient 4videmnent fitre
GOAmsrz trouvfis nuis dens tout le doaine. Ce r~suitat

Sidgel. no pout Itrs obtonu et des velours rfisiduei-
2 OC.5NXSAEb 0 2 NNEWAii WAS lea apparaissent qui ont pour origins Is r~solu-

tion et le bruit de fond des apparells et de Is
PLAQUE rhatne de mesure. 11 eat &lors nfirossaire do v~ri-

L RE4911942 fier quo re rfcidus no d~passeat pee un seull fi-
xg, g~ndralement rhoisi pour Atre 6qoivalent A uno
Inrertitude en incidence inffirieure su rentilme do
degrg. Ce r~sultat eat rfiguliaremont obtenu lots
des essais.

Lee baledes on Incidence sont as1 uti-
lisfies pour comparer entre elies lee mesures d'in-
ridenres offertufies par lea inclinomitres. Lee

Fig. 13 Erarts entre lee difffdrentes msures no d~passent
pas lo centi~me do degr6 en gfin~rsi. co qui oat

La figure 13 prlsente 1'6qulposent In- satisfaicsnt. Do tols rontr8les soot fividemment
terne d'une maquotte aver lea difffirents disposi- effertuge tout su long do l'essai pendant los no-
tife ot appareils do msure do l'incidenco. Le tations elles-is~mes. Touto anomalie conduit 9 ef-
premier des dispositifs eat one surface d'appui fectuer des contrdles supplimentalres et, oi of-
usinde doe Is structure at deetinge I rerevoir ressairo, A interrompre l'essai pour rorriger lee
lee spparells dditslonnage. Cette surface perset dffuts. Ces rontrfles permanents aunt indispensa-
de dlfinir is rffrence horizontale de is mequotto blos pour garantir le name niveau do qualitfi sur
at con ralage en roulis. Dons nivoaux I bullb do on intervalle do temps parfois trls long, do plo-
praiian soot associs A cette surface ; one fe- sdoors seanes. voire plusieurs sole qoand ii
nitro transparente minagge doe is paroi de Ia ne- sagit de reopagoes surreecives. L~e n~l do V'ex-
quetto permet do lee observer lors des rr~ts et pfirimentateur Oct do lee effertuer cystfinatique-
do c'ascurer quo I& aaqustte Oct bien plaefie dens sent, sanks diffaiillnre. 11 Oct aidf en role par
l'ettitude enguleire pour laquolie lea sesures do l'utilisation do l'ordinateur.
rffrenro doiveet Stre effectutes. Un niveeu A
bulle I sortie 8ilertrique est utilicl pour rep~rer
Is valour null* do Vascsietto A l'srrit et on 1.2.7 - Utairmmc soeffieri.
coors; do rotation. La rficolution de re niveau eat
trls flevaie, do lordre do trots dixotillilmes do Lee paramitree do r~fdrenre de Ia souf-
degrf. Le rophrage do l'essiotte nulie en inure do flere, noubro do Mach, pression et tonpfiraturo
rotation sst utilisf pour contrdler Io zaro des d'arrit, pression cin~tique. sont systfinetiquenent
repteurs d'inridence. Les expfisientateurs prZ- meaurfies ever des moyone redondants. La ronfilance
volont d'utlliser un deuzilse iieau iloctrique dens Is validitg des mscures do r~ffrenre eel fite-
rendi a one assiette donnfie pour v~rti fr en cours blio sur une comparaison systfinatlque does diff6-
d'essai one eutre incidence do Is maqoetto ot &in- rete mesures.
ci contr~ler Is sensibilitf ds eppareils do memo-
re. Enfin Is msure do Vincidence elle-ngme Oct La commando de Is coufflerio ost riash-
asurgs par trois rspteure pendulsires :deux in- 96e par on automate qui rfgbo soft lo noebro do
clinomltres Geb, roneus et fabriqu~c par i'ONEA, Mach, soft Ie rfgime does ventilatours, c'est-A-
et un inlinowitre Schaevitz. Ces sppareilc rep,%- dire Is puissance. Cot automate donne des rfiglages
root i'engie do leur axe avoc Ia direction do Ie trls rfip~tItIfs d'une fois cur lsautre et cotte
psanteur. Dane lea deux cae, one mssiotte eat proprifit6 Oct utilisfe par lee expfirimentateure

suepondus par uns lame qui flaichit loraqo. Is di- pour rfialiser des cyclos do balsyage du nosibro do
rertion de is pesantour n'est pas done aon plan. Mach fidiles so coors dee rotations.

Dens los inelioo.tres Geb, on pont do jaugo fIxfi

;ur Is lame assure lse contralntes induites par i&flexion. L'inclinomitre Scheevitz utilise on dise
positif d'acserviesosent qul sgit cur l& position 1.2.8 - =eustome St traitmt dos
do Is masselotte pour quo Is flexian do In lane oms
reste nuibe ot r'ost l'intensitf doe le circuit
d'aeservissement qui st msurfio. Lee doux typos Lee ossaic coot effoctugs on variation
do reptsurs fourniesent des tensions dont Vas- continue do l'inridence A nombro do Mach donnfi. La
sietto eat diduite par does ftalonnages. La r~colu- vitesce do variation do 1'incidonce Oct do iordre
Clon do coo appaeoi a t do trols allImee do do 0,2/1s, gait environ 40 a pour explorer one pa-
degrG pour lee Inclinowitres Gob ot on millilse do lacro entre - 3* ot + 5* d'inidenco. La figure 14
degrg pour I'Ioclinoultre Schevits. L'quipement prfisonto des polairoc brutes Cz(Cx) obtenuos sux
de cots maquette n'est pee exceptionnol St ii ar- nombres de Mach nominaux 0.70, 0,80 et 0,90 (10
rivo quo des squottes comportent des capteure an- nombro do Mach portA cur is planche set celui mo-
guleirs cupplfisentaires ads al i'Sprouvo pour aurg so provider point do Is polalre). Les courbes

Jscyer d'am~lioror Is prAcision. En fait, l'ob- reprfientatives montrent des perturbations en
etif do eat Aiquipement trio couplet ect ds dIe- tratna. d'autsnt pluc fortes quo Ie nombre do Mach

poser do redondances dane taut Is dosi ne dVessel, eat plus AlevSA. Ces perturbations ont pour origine
lore des *safei at des contr8lss ane vent. eseontiolle lee fluctuations do nombre do Mach

pendant Ie temps d'exploration do Is poairo.
t,1.2. ju dost~lsI Ij a lmmee wt din Ellee ant pour originos aecondairee lee fluctua-

nosmme 'isedmations d'inridenco liacGsoan oscillations de Is a&-
quotte ot aue: fluctuations poseiblo. do Vascen-

La balance et 1. systise do ssure de dance de veins ainsi quo le bruit do fond do Is
l'assistte soot contr~lls tout au long dos ecaec. chatne de msure.
Cheque rotation sot prarAdfio d'une "balade sans

4 vent". variation continue do l'Incidonrs I I& s~me
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~ESLLATS RUTSnation de Is vitesse. caast-i-dIre du nombre de
FESLLATS B~rSMach. L 'automate de raglage de Is soufflerie poor-

C1 rait Stre utilil pour cootrer cette dfrive et
.0.-.u maintenir le nombre de Mach constant, mais ii eat

alors conatatf qua Ia fonctionnement de cat asset-
viasevent induit lul-uime des fluctuations du noo-

bre de Mach qui perturbent lea Svolutions des
coefficients arodynasiques. Les exptrimentateurs
oat donc choisi d'utiliaer 1'automate pour mainte-
nir constant be tIfiie des veotilateors, c'est-41-
dire Is puissance de Is soufflerie, pendant l'exfi-
cation d'une polaire. 11 en rlsulte des dfirives
rfigollires do nombre de Mach poor besquelles i-

kiC CA terpolation ne poae pas de probllme. Lee polairea
0035 OA B0 033 1 60 seront plus nombreuses sux nombree de Mach voisinsI do code de trafie, pour fournir plus d'Inforss-

Lions dana cette zone. La vabeurs des nombres de
Ma ch a par tancu nulle soot rlglies pour Itre too-
teas lea mlmes so coors de toutes lee rotations de
fe.on 30obtenir one distribution fid~ile ;i e1n

Fig. 14 rlisulte sussi Is possibilit6 de comparer directe-
sent la rlsultats brute issue de diffflrentes

RESILTATS INTEIRPOLES rotations.

' ___1L'interpolation appliqufie sux donnfes
k-K-Or01605obtenuas dons e conditions donne des coorbes rf-

Z 3 guiares doot is figure 15 prfisente des exemples.

M~O~i 1.2.10 - flarmtrie

Le refroidissemeor de SIMA eat asorfi
par on fichange d'slr avec l'extfirieur at lee rfi-
soltats peuvent 8tre affectS6 par Is teneur en eau
de l'stsosphire d'une fston d'sotant plus ispor-
tanta qua lea phfinomines tranasoniques sont plus

Ca intenses et qua Is maquette cat plus grande. La
figure 16 prlisente des rlpartltions de coefficient

mu ma. de preasion sot Ie profil d'une voilore acaurtes
trois fois dens lea m~ms conditions afirodynsmi-

Fig. 15 ques. Les cso A at 9 pour lesquela lea tacphracu-

L'expfirience sootre qu'ii eat possible HYGROMETFAE
de dflfnir lea polairee A on sombre de Mach donng
par interpolation entre toutas lea donnoles dispo- TOE)
nibles. C'est la alithode glngralement eaployfie et
qoi donna lee meilleurs rfisultats pourvu qua lea **1

conditions suivantes sofent rfiunies k

- lea coefficients afirodynamiques ne dipeodent qu .1 to
des paraltres macur~s, sombre de Mach at Inci- to

dence. Vest le cam dena lea esais I SiMA;

- lea moyena de ..esure donnent des informations c9rg /c
phase, c'est-al-dire qua lea valeurs instantae IN
de toutes lea grandeura masurfies sont aynchro- 1 2 5 5 U :F4 t

nes. Cette propriltA eat physiqueseot vrsie dans
Is souffletie SIM4A car lea fluctuations sont re-
lativement leotes. Lea expirisentateurs doiveot
n~asoins veiller il rdglar lea filtrages pout Fig. 16
qua Is dispositif de assure naltlre ps catta
proprifti

tea gloltatricas (Ti) at lea teneurs an eau soot
- le noabre de points de assure doit 4tra suffi- trA a vo isines. donnent des tlpartictons de prea-

ossent ' levI at leur distribution adaptfieau *oin Presque idcntiques. Dana le cas C ol La cc-
domains de Mac h- incidence i explorer. Ces condi- Scot en eau eat plus forte at Is templrature gfinf-
tions conduisent I ajoutet des noabres de Mach ratrica plus foible, lea assures sont effactutes

sue programme des eass : pat example, pour on dana des conditions ol Is condensation pourrair e
prograe d'essai coaportant ooze inombres de produlrt et Is rlpar-ition de prassion obtanue eat
Mach, saize seront effectivemant rfiatis. nettement diffflrente. Poor fviter l'apparitioo de

1.2. - oo~to 6 esalsccc phlnoaes, il faut tlunit des conditions by-
1.2. - emimta cc msicgrorAtriques at thetaiques dana Is veins telies

qua Is condensation ne puis pas se produire.
Las easeis sont conduits pour foutoir 00 Couma ii n'ast pas possible d'agit otr is taneor

ichaotiilon da assures bias conatituf en wue des en ecu, SIMA Stast one soofflete atsosphdtique,
Interpolations. 11 fout poor cels prendre des prfi- la expfrimentateurs agisaeot our is templrature
cautions explrisentales doot ce paragraphs donna at aintiennent lea tosporatures statiquas en vei-
un example. re A 15' o-decaus des tempfiratures de rosa. eo

vein.. Cetia marge de 15. a At$ ejUSiLe axpitimen-
L'accroisseot de l'incidence produit talemant at doit Stre respectla d'autsnt plus

one augmentation de Is truing. at de I. puissance stricttmeot qua lea teneurs en au soot plus
absorbfe en veins at, of Is puissance de Is soot- Slavfeo.

f flaria taste constants. ti en rfsultere one diai-



- 3ff ~D'autre part, lea changements de nombre
1.2.11 Xf tbienum de Mach sont rialisfe de fagon A faire varier len-

Dana lea assets I SIHA, lea tempfirsturee testent 18 tempgrature pour qu'ao moment do la me-
exrmssont de - 5 j + 60'C, ce qui a pour con- sure ia maquette soit en fiquilibre thermique avec

elquence de placer tous lea instruments de weau re 6cueet 11aSivrfg zpitnalmt
done des conditions therniqoes difflrentes. Lea que, ai cetre prlcaution n'est pas pries, Ie Cx en
tespgratures lee plue basees Boat televie en con- etafc6
ditions hivernales, lore des ssures de rlffrence 1.2.13 - Svi-ar
avant assei Ct leg templratures lee plus &levies
r~sultent d'on foactionaement prolongi I forte Axatoe u inetdSr fci
puisance. Llichauffeuent I partir des tempfiratu-Au thdsql inetd't dci
rea lee plus basses pourrait produire one dfirive tee e ajootent on grand noabre de procfidgs qui ne
des edanaux des capteurs et des conditione therui- soot pas dltaillls ici pour limiter l'expoof et

que I a srfae d lamaqett nusibes la qui couvrent lee domaino. du dficlenchment et duquesA I suracede s osuete nisibes Is coutr8le de Is transition, la vfrification de Isqoalitf. Pour limiter ceo effets lea asse pr .- oatideImqutI& surdsrfpt-
prement dits soot systimatiquesent prlc~dis d'une gionsri depresio inquete, la decuecin des ri
rotation de chauffe. Tous lea capteurs soot proti- toad rsinitreledtcin e

&go onte la efetstheniqes ens & asur du contacts accidentels entre parties peslies et non

possible. soit par lour conception mime, (balance), pes~ee, le contrble quotidien des chsines de eeu-

soit en lee sontant dans dee enceintee thermoeta- re, le filtrage, l'acquisition et Ie treitement
ties (capteurs d'incidence). Lee eseais soot con- des eignaux, etc. Pour obtenir Ia qualitf voulue
doite de faqon A euivre Ie slme cycle theraique 11 f out que toutes ces ofithodee soient mses en
dene lea mimes dilasie. La figure 17 en donne I'il- oeuvre en parallille, avec de grandee pricautions,
lustration. Elie prlsente 1'6chauffement de Ia pendant toute Is durge des essais, sane difaillan-
soufflerie en fonction du noinbre de Mach pour une ce, Ia asoindre inattention produisant one diminu-
ouverture filge des entries d'air de Ia soufflerie tion de Is qualiti. La riusaite dfipend donc forte-

ec rgrops ur u mge gaphiue I(M leacyces sent du savoir-faire dee expirimentateurs chargie

thermiques de rotations succeesIvee.deasesdnla qisdecstuer om
dens celles de VONERA.

.C im 1.2.14 - Nfithodlee comnwtaires;

a N A 1 "A L'aflioration de 1s pricision de msure
I-YLSTHMCE do coefficient de tratole entrafne Ia niceesitg

d'sofiliorer d'sutres techniques expfirisentales. On
SACTUAES en donners deox exesplee

I U 1A 60 10 K
I TAflSUK U n. I - La glomfitrie dee voilures doit 6tre con-

I nueuavec une pricislon -oh~rente evec celle dee
r~sulate obtenue, ce qui e conduit A dlvelopper
des mlthodee de msures do dlformation dee maquet-

321 tee sous chacge en cours d'esesi. La figure 19 en
prieote un example tirfi de Ia rlflrence 4. Une

30-- ESLFE DES DEFORMeATIONS

U U1 U AS V U U I

Fig. 17 Nww

1..2 rottment 
.

La diepersion des obres de Reynolde A
nombre de Mach donni provoqule par dee variations
de Ia teapgrature ou de Ie preeeion glniratrice marc.
induit des variatione do Cx de frottement. Lee
graphiques en bae de le figure 18 donnent lee or-
dree de grandeur des variatione do Cx de frotte- Iia
sent pour une maquette de l'Airbue au 1/9,5 en
fonct ion de la teapgrature ginliratrice (Ti) et de
Is preasion ginlrstrice (Pi). Lee grephiques, dens -~'

la partie supgrieure de Ia figure 18, prisentent C
lee polsires avant et aprls correction de frotte- ~1
menr.Fi.1

COFCTKA'S DE FRTTEK4IT desi-saquette cot moncle so plancher d'une veine
11.1.401d'eesi de SIMA. Le& ssures des dlformations por-

-, tent sur Ia torsion du bout d'aile et Ia flexion
m i 4 du bord de fuite. La wseure de I& torsion eat ef-

SM ~ 9!8 ~ ~ M-- fectole par un torsiomitre optique. Cet appareil

* esc - se -- ~------ Smt on faisceau de lumilre polsrisle, dont Ie
- ~ . plan de polawisation pout itre r~glf. Ce faisceao

GeM. eat pointS or dee cibles elles-mises polarioles4 ________________ ~ - t qui rlflfichissent one lumilre doot l'inteneitf
dlpeed de l'angle dea plane de polariesation. La
lumlire rlifllchie eat csptfie par Ie torsiomitre

(e-~Aef - ~ ~ --- qui sioste son plan de polsriation poor que I&

lusi~re rlflchie soit minims. La ssure de l'o-

AD in rientation do plan de polarisation do toreiomltre
a a ft a I t donne donc l'orientation de Is cible visfe. Dana

cet eprience deox cibles soot fixtes, l'une
Fig. 18 our Is fueelage, et Vautre en bout d'slle. Le
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torsiamitre. mont& our n support motorisi. et 1.3.2 - Wfets do parole
successlvenat point6 ot lea denis. d'abord I
l'srrut, pole doe lea conditions airodynauiques Lee effete d. perol soot 6veluis per un
oa is asure doit Itre of fectui* et l'ezploitation cslcul eJusti en fonction de rolevie expien-
de ceo assures fournit Is d~formation en torsion taus. La msquette et son champ &out reprdsenis
du bout dealls. Per illeurs, des sizes de r~fgi per lee sintuleritls do l'incompressible, evec Line
tones fWe~s our an support au plancher St des ai- extension pour tenir compte de is coqireseibilltI
res en bout deale mont pbotographi~es per on &p- (riffrence 5) :10 i 20 doublets pour reprisenter
pareil plecE an plafoo ats permettent deoffetuer is volume de Is mequette. une source dont ILntoo-
un. suite waeurs de Is torsion, sit& d"Pend do Is trafn~e pour Is sillege, 5 nsp-

pee tourbillonneires pour is portence. Lee tour-
La diformation en fision du bord de billons peuvent Stre ajustts pour tenir coepte don

fuLte de V'alle et diduite de photogrephies de is f lihe de Is voilure ci de Is r~partition de
mires de r~f~rence et do airee fishies our Is bord portence en envergure.
do fuite per an appereil I l'aval de Is equette.

Lea perois eant prises en coe par us
L'enseuble de tee assures eat utilisi mithods assimilable I celle, des i'ages fteodue

pour virifier is validitf des diformations sous pour tenir compte de Is porositi des parole. Cette
charge ceiculies. porositi. supposis uniforms, encre doe is caicul

par un coefficient qui lie lea vitesses 8o craver-
2 - Une conneissence pr~cise dee petites sge de Is perol sux perturbations de pression lo-

diff~rences de trafn~e entre des configurations a caes. coefficient qul ue peut Stre actueilesent
tendu n~cesseire de rendre plus pr~cd eie relevis d~teruLnA quUA partir despirences. Une ams si-
des distributions do presslon our lea voilures nie d'essais eat d'abord effectuge en veine hebi-
quL, pour Stre cosperetife, doivent Atre effectuis tush.e, avec quatre fentes ouvertes (1. 2. 3. 4
exactowmnt doe lee ams conditions. Pour cele, sur is figure 22), puis doe I& siase veins rendue
lee comuateure de pression aiceniques ont St6 artificielement Stenche, c'eet-*-dire de poroaLtf
respiscis per des comitsteurs de preesion S1cc- nulls (fentee fermdes). Le coefficient de poroaitA
troniques PSI, qul permettent de faire des mesures de I& veins et &just& pour que lee rfsultate cat-
qusment synchrones our toutes lee priese rigde issue de cee deux esesie soLent lee mimes.
pression, ci Is priliveme- et rdaIlsA lorequs is Une exp~rience est Ggelement effectuge avec halt
nombre de Mach dIffirs du noabre de Koch nominal fentee ouvertes.
de mains de 0,001. Les comuteteurs soot d' ebord
pripargs pour effectuer uas secure. Le nombre de EFFET DE PAROIS
Mach et prilevi une fois par seconds et. per
example, pour an relevi a Mach 0,800, inreque s CZ
valeur et comprise snire 0,799 et 0,801, dix pr6-- d b
livemenis succesife cont effectule en 0,11 secon ee
de. Lee rfipartitions de prescion televis per ce 00 a U ( 6~
procidf dooneni dss dietributions remarquabiement o ta ovmi
fiddles d'un prdlivemerit A V'entre. cs quL permet $A
lee comparasone entre configurations. SeepI or

1.3 - RE ultatts corrlgos 30

Lee corrections epportfies aux rdcultace tj
brute concernent ecsestielleasni Ia price en coup- zOo

is des champs de preecian de Is veine, les efisis 2A "
de parole et de support. .s-'l.-'

1. 3.1 - Capdo is 12o15 .5 I

Le cheep de Is veins et mscrg par uns Fig. 20

sonds qui danne Is rSPartition de prescion stati- La figure 20 prfisents Is casparaisan de
que car Vasxe de Is coufflerie pour un gombre de assures globsies (peslee) st locales (position du
Mach sifichi I 15 prise de rfiffrence (figure 21). choc d'sxtrsdos tinse de preccione pariiales)
Ces rfipartitione cant utLilsfies pour difinir deux pour une maquette de VAEROSPATIALE dont l'enver-
carretioas guts et Is longueur soot poches de 3 m~tres. On

peut consicter qus, pour ce tee V~eseli is veins
- uns correction de nombre de Mach, pour tenir A quacte fentes longitudinsles et pretiqusment
coept ee , l6cort entre as sures effectudes A Is exempis de corrections.
prie de rfifirence et au point de rifirence de
Is aqusite ; .3.3 - Iffete do sasns

- uns correction de tratnde life au felt que Is Lee supports produisent des effete 1o-
preesion etstiqas Is long de 1 axe de Is veins caux iris importance dane Is gone okl ls support
nseit pas perfelisasur uniform. La variation de pfinatre doe Is aqusite. Ces effete as soot pas
Is preccion statiqas induit our chaque 61liment ecceceibs au calcul at W'ont pee fidf Evelude ex-
de volume de Is ucquette uns pousscie locaisment pfirisnislement 21 SlMts. Lee expirimentateurses-
aselblbe A une pousede d'Archimide, c'sst-*- sayent doac de lea minielser late du chois des
dire proportionnelle cu volumesmouilld et su montages. C'es Is rcieon pour laquelie en peri-
gcadient de pression is long de less.- La comme culler, lee derds dirivee at did dgveloppies.
de cee poussfec 616menisires et calculfe 41 per-
t de is distribution dec volumes de Is aquet- Lee effete des supports aeslebles A
is on lol des sires et de le r~partition dee des effete en champ lointein sont fvaluds par le
preesions televis. La correction de Cx 4a sjou- calcul A pertir de reprdsentstions par des eingu-
ter aux coefficients de treinde brute pour obie- lanitt, tomme pour lee effete de parois (riffirenr
nir lee rdeultats corrigds, et de l1ordre de tea 5 et 6). Cee celculs donneni des corrections

4 10-4.de nombre do Mach. de train~e at d'ascendence de
I ficouleuent.
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S2 - REECOIJPEhV'TS 9ElTRE ROTATIONS8

La soufflarto S214A eat use soufflorie
continue pressurtado, 4quipoi d'une vein@ troneso- Lnique de 1,77 a do hout cur 1,75 a do large,A&C wnombre de M~ach variable do 0,2 1 1,3 or d'une vei- P'
ne auporsonique de 1,93 a de hout our 1,75 a de '
large, A nombre de Kach variable de 1,5 a 3,1. 1
parois verticals pleinec, plef cud et plancher ECART TYPE: ..&104 ECART TYPE: 0.3.10-4 ECART TYPE: 0,004

perforfie I porosit8i rhiglable.

2.1 - 71A81its A 2

Des assts d'une coquette do l'Airbus
A310 au 1/38 ort Gt effectuls A S2NA en plusieure Fig. 22
campagnec pour mettre au point lea mhithodes La figure 22 prhaente dec recoupementa
donn ati1.farctionn r equ te Cedustriala cyant entre trots rotations d'une else campagne. Lec

donn eatafocion un caciindctril a th cartsaen Cx par ranport A I& moyeone coot touc
effectug au dhbut 1987 cur 1A310 au 1/38 er une in-iue11.0 acmasio e iu
rhulat auat de Vcot PAIAE eaaa qu sot rntlee rea 21 or 22 fait apparaitre une dispersion plus
rid.tt su e a se u so rieti foible cur trots paletres dana trots rotationsici. difffhrentes quaocur neuf poloirec done une ctme

La fgure21 p~sete ds reoupeent rotation. Los difffirences do dispersion ne sea-
La igue 2 prcete oc etopemnt blent dont 118.. qu'A la taille do 1'6chantillon,

au coin d'uno rotation, Is figure 22 des recoope- ce qui indique une bonne stabilitfi dec moyenc do
coot. au cein d'une tampagne et la figure 23 do. assure d'une rotation A l'autre.
recoupementa entre tampagnec avec dicontage do ia
coquette Ontre lee campagnes. Le noabro de Mach 2-ROLB9METECWbE
eat 0,80 dana too. lea can. La. dispersions en Cx,
CA et incidence coot pointfiec (abaciece) en font- tz-CzC
tion do Is portance (ordonohe). Lea courbes reprfi-

aentoot la dispersion par rapport A Ia oyonne do

S2 - REOOUP9EENTS DANdS UNE ROTATION k

ewrTYM metol ECAT TK V f*4 ECAAT TYPO noot'

-w I UP ig. 23

ECAP TYPE: 0.A1i-4 EtOAR TYPO 0,.4 E CAMt TYPE: 0.005'

I % T F--iLe figuro 23 prfsente des recoupecoota

L. [I~ jj entre trois capogs ovec dfiaontage otreotg
do l& coquoto entro campognec. Lee Ilua grand.N _A #J~ carts entratfoe atteianent 1,5.10- ot 87 %

A W. ., 1 r r- 9 I do. ficcrtc coot inffhrieura A 1.10-4. Les
ficarta constath. peuvent avoir pour origins de pe-

Fig. 21 rita dhfouto ghomhitriques 118.s cux dfimontagec er

romootagec auctesaif a.

Au tour. d'une mcoe rotation, de. grou- L'ensemble do tea rhcultate eat conaidA-
pea do trot. polairoc cuccescivec coot effottuhc rfi coca. catiafaicant pour lea esail A rfialiner.
au nombre de Moth 0,80 en dfibut. au milieu et en
fin do rotation, soit neuf poloiro. so total. Les 2.2 - Moisoolti Earkmta
r~sultats do chaqos pilaire coot difinic par in
terpolation linhaire cur le noubro do Math or 1. Lesa mhthodes or lea anynas utilis&a A
porronco. Le graphiquo, A gaucho cur I& figure 21 S2MA coot de made nature quAl SINA. Main leeasc-
pr~sente la dispersion on tratn~e. 98 Z dec secu- safe A s2MA prlcoontent dec partitularit~a door on
res Coot dane on intorvallst do + 1.10- _It donoera quelques exemploc.
1 Acacrt typo des dispersions eat Ce 0,4.10 .
La diaporsion en Incidence eat qualifife par on 2.2.1- ot w
&cart type do l'ordra do 0.5 centihme de degrg.
L'onsemblo dec disporsions pr~sente on caractAre Les figures 24, 25 at 26 pr~sontent lea
alfatoire qoi Indique quo 1. systflus do coture ear monrages utilisla A S2MA pour lea pends d'awiona
utIliah A mo limits do rdsolution. do transport. Chaque montage oat employ& pour Sa-

rantir I& qualitg dana on domain* doocsai particu-
lier. Le montage our lame de sabre tat uttlief
pour lea asseis d'fitude do troublomant. La dord



12-11

droit (figure, 25) convIent pour iee estate d'Atude perforations des parols. Loreque Loe tirolte late-

Le1 dard dirive (figure 26). utilil depuie It d6- tions A 100 Z d'ouverture) Is porositi dee parois
but 1987, at adopt& aus wnse fines des carac- dif kale par Is surface des orifices rapporte A
tiriatiques, iongitudinaiee. Son principe *9 as call* des quarto parole at do 6 2. Los tiroirs
gdoftrie oat it& cholsis pour iniaLsoie ts in- entilreatnt formic iisent une porooitS tlsiduel-
teactione au nivoau do Is partie arrilte 8e In 10 lifea I lapetfactioo de l'frtaebsitA at VOiW-
mequette (volt In paragraphs 2.3.1). ne de, 1,6 Z. Tout*@ lea positions intermldiaires

pauvent Itre obtenu*e. Jusqu'au ddbut des unces

82 . MONTM8 80 lea estaie ont Gt& effectuls avec iae titoire
ouverts 5 100 Z. Leanaie des rdsultet obtenuks
euntrait des instabilitie des coefficients aftody-
nafiques qui lieiteict lea awudlloratione de Is
pricision. 11 auteit it$ possibie ddiieminer coe
fluctuations per use augmentation do Is Waile des

4 Schasntilions et un traiteeot des donnales appro-
priS. sl catte fsqoo de prodder ne pouvait don-

DAND SMM ne satisfaction quen augntent fortemant Ie
unfit. des prdiveets, donc la durfe des esate.
11 a ltG prdfdr& de cherchet l'origine des fluc-
tuatitons pour tenter do i'Slielner. L'anslyse de
rlsuitats disponibles montrait une relation entre
porociti de Is veins et fluctuations at c'est delta
cc domsine que lea expirleentateura out cngapd
loeur action.

S2.ET~ DE LA POROSMT

Fig. 24 TN m4

Fig. 27

Des masures an pallere etabllse de

~plueleure minutes one 6tS effectuis pour difffdren-
tee porositle de It veine, pendant leequels ies
fluctuations dee coefficients alrodytiamiquee ont
6tf observdes. 11 a itd vdrifi que lea fluctua-fig. 25 UNIA. A310 su 1/38 our dard droit tions de Cz n ddpendaint, en presite, approxin-

tion, qua des fluctuations de ilincidence, c'ert-
9-dire de l'aacendance de ve~ne, I'eiette grant
constants. La graphique en has A droite sur Ia fi-
Sare 29 pr~sente ivolution de 1Vdcart eoyen qua-
dratique des fluctuations d'ascendence on fonction
de Is potositg au noubre de Mach 0,78. Cat ficart
oyn quadratique dficrolt avec is poroelt* dec pa-
role et deviant voisin de celut Induit par le
bruit de fond du diepositif de esure pour une pa-
rositfl de 2,9 % correspondent A une position des
tiroire dite A 55 2. Les effete d'une ferseture
plus cosplite doe tiroire ne sont pae ddcelablee,
lee fluctuations rfisiduelles Stout du alma otdre
de grandeur ou inferieuree au bruit de fond des
assures. L'snslyse de coo fluctuations contra
qu'eles ont pour origins des variations de les-
candance de voina, elies-efsee lnduites par des
Instabilitle de l'Scoulement dana lea perforations
des paroie. Ce# probikues ne sont pas particuliere,
JIis soufflorie! S24A et se rencontrent doe d'au-

Fig. 26 - SM(. A310 au 1/38 sot dard dlriva tree soufflaries comparables.

Lee gradients do portance title des of-

2.2.1 - !,onactt Go paes me esais soot pot&* our Is graphique an bout I
droit. Leneble des rdsultats forme un nuage

Lea aels *out offectufs dana Is value (zone hachurfe) dout Is, hauteur coatcrime Is
trentooquedon le paole ertcals *ut ut- dispersion Induite pair lea fluctuations do las@-

dies at dont Is piancher at Ie plefoad sont I po- cnoe evii &dmnto eI ooii
rositd rdgiable (figure 27). Le potositi co rf- rlduit la dispersion at augmenta is gradient de
gile on feisant glisset des plaques (tiroirs) dont pottance "oan. Cotta augmentation du gradient a

las arfrsana oturnt e fqon ariblei~e pour origins lea effete de paroie qui variant cast
Law erfratlttoobtueatde fronvariblelea Is ferseture des tiroirs.
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Sur Is baa. do coo observations, I. S2. C~ DU DAD DEV.chot: Ost port& our Is votes avec lea tiroirs A X EC L.JS~
552X pour lee ssets oA de mmurts comparatives XEBO /M "ONR
do trainS. doivent Itre ef fectudes avoc i&samil-
loure fiddilitS possible. On verre su paragra-
phs 2.3.2 quo to rdiglege offr. aussi des *vantage* **~*
on astillre do corrections do paroie.11.,0W11

2.3 - iaftto corrila&

2.3.1-Metdomsotm- .oie

Lee champs de, perturbations 1ids ao sup- M m .,
port out fait l'objet do nombroux travaux ments en 5*S~
accord par 1'AEIOSPATAU. ot l'ONKRA. La figure 28 O
on donneoun example ; ol.e prdsonte lee champs do nIIperturbationsoen ddviation vertical* St coeff i-- 51WE
clout do pression du dard A lase de sabre de S2NA. -0 4- -U I at PA v U mn
Dons ce, coo, Iletgration des perturbations de
prossion our Ie fuselage donne one correction du Fig. 30
coefficient de trefude jogde trap dilevde. alileurseast prdisentde so paragraphe solvent, con-

duloatIrrnr svlu - 0,65 pour lea ti-CIAJODU DAWSAR roir A 55 %. Le edne du dord ddirive a dti rdalled
a b C det son champ a drd mesurd doe Is veine do S2hA.

* ~L'accord enire l'expdirience et le cslcul eot tout
I fait satisfaitant. 11 valde Ie caicul et la va-
lour Q - 0,65.

Mae AS AsLa dard ddirive rdalisd Iis suite de ceoMi"colculs et expdriences eat prfiseni per lee figu-
0 res 24 et 26.

mm Ino 2.3.2 - Xfface do parals

a --.. ~d Las effete do paroie soni caiculds I1 I S21LA melon l*@ mimes principes qu'I SlI(A et leur
y vallditS ddpond do Is connalseanco do Is porudiabi-

-W IU Of 9A ANe W l~ o itd des parols. Cette porudabilitdi a dtd ddtermi-
nde A S21u. a pertir do poades on vein. guidde et

Fig. 28 en veins permdoable. noie aussi par des posdts com-
parat ives do Is momeo mquotie dane les souff lotion

82 - CHAKV DU OAI DERVE SIM( et UN1A. La figure 31, qui prdisenre lea d1-
CLUS AS/CALCU..S ONERA mansions d 'une mequatte do SiMA et des deux souf-

hoes, met en Svidonce quo lee effete de parols
dane SINAupeuveni Sire considfirds come ir~s fai-
bs aet qu ea esetls dons cetto soufflerie peu-

*711 vent Stre utilisds comes assais do rdfdronce. Las
corrections do parole weront ajustdes pour quo lee
rdsultats corrigdis soient csux obtonue dons S11MA.

71... .. PESE D'(*E MIEW MAQLEMr A S I ET S2

kI A 131 V1/31

Fig. 29

L'AEROSPATIALE at1 l'fNERA ant itudifi
conjointement un nouveau dard adaptfd IS2XA et
inapird do derd ddrive de S11NA. La figure 29 pri- [ f
-nte un Sliseat do coo dtudes. La chomp do per
turbations do cdn. do dard ddrivo a did calculiGe
stmosphlre infinie par IIAEROSPATIALE avec one XnS
thode do ponooult ot per 1'ONSLI ever, one mdithode
do singularitis. L'arcord des deux oithodes, eot
satisfaisani. La mime accord eat constati pour lea
ddviaiions verticales do ldgcaulement (non prfisen-
tdos ici). Fig. 31

Le fgure30 rfisnteon cntrle ep6-Conte ofithode eot satisfeisenis done son
La igue 3 prsoao u coirdo epd- prinil mais sa miso en oeuvre pratique eat dif-rimental do Is voildird des roiruis prdllminaires. fihcrlsosi oie lr odisaeL'ONSRA a calcold I. champ do perturbation do l . car uee p sdc s possibe pore peaut atn-

preasLan de o I.peril. conique do derd ddrive en boo sos effte drson posibl our diffracs qulri
prdsence des parole perfories do S2KA, avoc lee urrien ors de paro oriin diff dnces u

tirois rdgds d55g. a cacul adid f fecug d an a o do ve our dorhamps d raiofrnca
pora p lis Aour. doeq coeflafit efc pa raassodoc par osomo Los desohamp dovont sire paf

'I .Sbilitd des parole. Une expirience rdelisde par foudsaci memqote la ietrn-

fet-e &vec Ismmesqete s .. trn
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dards exployia I SMA doit rester associbo A Is i T8
vaquette at l'onasemhle tranaporti dune woufflerie CEFIflO DE LA POROS17E DE 82
i Vntre "a mms smnrae, avolgsoea. ter

3 - OCAI

Fig. 32 - SMN& A310 ax 1/36 ou dad drf do Lee rfisultats satisfasiants qul viennent

Ce tto exp~rience a Wi rialieik de facon d'Stre prfieets ue dovent pee laiser crore que
satiefaisante en 1986. Le maquetie do VA 310 &u lee probl~aas do assure pricise de Is infune des
1/38 mont~e cur an dard droit A S214A (figure 25) a ovions de transport soot considir6s comes d~fii-
it& transportge I 21144 (figure 32). leadi 4ffren- tivement risoi- s au Centre do Modano-Avrieux.
ces do giou~trie de support al SIM et 24 ant ki
prises on compte par des exp~riences (relovds do Ra mtigr. de fidilitf, A c8t& des per-
chap* de prosrion) et des calculs. L'AEOSPATIALZ fectionnevonts apportAs sux appareils at sux mE-
a calculf lea perturbations d'incidenco indultes thodes actuelles, it faut sussi mittre I l'6preuve
par le support do SL14A (figure 33), pour deux in- des solutions nouvolles. on en donners un example.

s ~cidences de is mequette :+ 2 et - 2 degris. Ce. Lorsque lee exphrimentaiours consistent des difft
perturbations *ont prises en compto doe l'eeploi- rences entre des risultais obtenue doe does condi-
tation des r~sultats, en particulier done is df- tions rgput~es identiques, i1 lout fsut dfiterminer
termination do 1'ascendance do vei;.e par retourne- l'origine des diffirences oi, en particulier, *a-
ment de is maquette. voir al le d~faut provient du dispositif de assure

ou d'une infidijig des conditions sgrodynamiques.
S1. HAW U SPPOW CALLL.Lee exp~rimentaieurs souhaitent donc que Is ma-
81 0l~mPI~. 8..POR. GAal.quertoell-mme solt fiquipie do soyens do assure

permettani de v~rifier Is fidfliti des conditions
strodynauiques A son nlveau :pries do pression
asmuitriques pour donner un nombre do Koch do
rifirence sur is Coquette, pressions 1. long du
longitudinal, pressions diffgrentielles do hard

dsattaque donnant les incidences a~rodynamiquos
locales.

Dona Ie domino des corrections de pa-
Anroit do support, i1 eot Sfinfraloment difficile

d'spprior Is preuve do Is justesso des correc-
tions of foctu~es. Lee seats comparaife d'une mi-
me coquette doe 21144 et 21( on In comparalson

-3 .2 4l S 1 2 m des champs du dard dfirive colculfio ci mesuris sout
des examples do w~thodes complizentairos qui per-

Fig. 33 mettent do virifior Is validiti des corrections.

La figure 34 pr~sente lee gradients do
portanee ohieous Z SiNA at A S214 on veino a 55 Z Leasaillourost pr~cisions ne soot encore
sue nombros do Reynolds do 21244 (1,7 million) at obtenues qu'on pauseaot toutes les m~thodes expL-
sue nombros do Raynolds usuols do S214A (0 edl- rimenielss au vloux do lours poseIbilit~e. Los
lions), Le graphiquo do droto Oct un agrandise- conditions A r~unir pour garsntir Ia qualiti des
sent qui montre lee Scaris eo lincideoce do ces oesis soot trao nombre.Ases at. pour rAussirt su-
trais r~sultas par rapport Z lout moysonn en can dgtail no pout Itre nfigligE. Le maintien du
fonction do I. portanco. Los &carts risiduels doi- weilleur niveau do qualitE no pout Sire garaoti
vent Sire sitribugs cux rgsolutione do mosurs. qu'au prix d'un effort d'attention permanent at

dlune Siroite coop~ration avec les devedeureDons ces conditions et pour cos aquot- d'esses.
tos, Is veins do S2MA cyst tiroirs S 55 Z donne
des gradients do portance pratiquoment oeempts Coeat on oeuvrani doe cat esprit quo Ia
dleffots do parois. Ce. risultaso conduisent I ro- confiancoe apu Sire acquise en Ia poesibilitS d
tenir uno velour du coefficient do perm~abiliti comparer des tratines A I point pr~s (1.10!1
des parole do 0,65, velour coh~rente avec les ob- do Cx), also A des intervallos do temps iloignis.
srvat ions cur Ie champ du dord dgnrive prisonies

au paragraphs pricicont.
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51JNART

Thin paper discusses the velocity unsteadiness In six test -,ections of three low speed wind tunnel.
Large differences of the rot-meen-,squmre velocity or turbulence levels are observed in theme tunnel.. It
is shown that thoe differences can be explained with the two independent contributions to the velocity
unstadiness in a wind tunneh (I) vorticity which in convected into the teat section from upstream, and 00i
preasure waves which hae many origins but the important ones for low speed tunnels are the free shear
layers of open teat ections and slotted wall toot emtons. It is further shown that the turbulence level to
not sufficient to describe the effect of velocity unsteadiness on the quality of dais measured in a wind
tunnel end it is demonstrated with the example of boundary layer transition that the distribution of the
fluctuating energy in the frequency domain to more important.

a sound spewd
A coses sectional area of teat section
C; fluctuating pressure coefficient, C; = (9211
D equivaleut diameter of teat saction, D2 4 A/n
f froqusay
1s Saldaoltznmber, ga = f 0l/a
L typical modal dimension, e.g. wing span
M Much nmber, MN U/s
N' fluctuating pert of N
%~ contribution of vorticity to N'
N', contribution of entropy to N'
ll contribution of pressure to N'
p (static) pessure
p fluctuating pert of p

root-mem-squers vslue of p'
* peak value for the amlitude of p

]S. Reysolds numbr, Be. U 3/v
St Strua numbr, St -f 10/U1
StL Stroubli nmber baed on model length L, St =f L/U
T (static) temerature
T. fluctuating part of T

, contribution of entropy to T'
T contribution of presaure to T'
u velocity comonent in the x-direct ion
u. fluctuating part of u
ul, contribution of vorticity to u

u contribution of pressure to u'
ii root-sane-aqusre value of u'
411&/f power-spectral density of u'
U mno fu
v velocity comonent in the y-direction
v fluctuating part of v

P root-mean-square value of V
AV'/A power-spectral density of v'
V meeof v
1w velocity compnent in the z-direction

w fluctuating pert of w
root-mamer-aquare value of w'

$i/Af power-apectral density of a'
eas of w

X coordinate in the meon-flow direction
7 coordinate in the horisontal. transversal direction
I coordinate in the vertical transversal direction

1.111RDUTO

Plow unsteadiness in wind tunnels Is one of the factors that contribute to the precision end quality of
data obtained in wind-tunnel experiments. The Abitellung Turbulasnfomuchung (Turbulence Research Section)
of DPVLR in Berlin has carried out hot-wire and microphone masurements in varicume Buropean, tunnels to
investigate their flow unsteadinss. This paper dincuses the velocity unstadiness in eix teat sections of
three tunnels.

The three tunnels concerned wre outlined in fiur I Most of the data presented here were measured
In the IME, a low seed tunnel of DPYLEt In Braunschweig (Germany) wt an open or a cloned 3.26.
2.8 a tat section. The wanea of the closed teat section are eaquipped wlloawhoam open area can be
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variad between 0 % and 12 LThe nozzle contraction ratio is LS6 and the maimum air speed* are T0 u/a
fog, the open and 90 rn/a flo the coed teo" section. The tunnel has a onventinal design with a fan in
the return kg. te four corners are equipped with turning vanee A honeycomb flow straightener and
three ecreens are installed in the aettling chamber.

Figure 1: Wind tunnl* ivestigated. NWB

1435: 3.116a. LS2. a low speed tunnl, DVVLR

1430.' 3m a 3 u low speed tunnel, DVLR G61,tingen.

DUM: 8.a . 6 a low a ee tunnel, Geman-Outcb_____________
NWG

The experimental resualte at the open teat ection eamcompared with corresponding data of the 1430. a 3ma. __
3 a low ape"d tunnel of DVYLD In GOttingen (Germany)

which hae a nomzle contraction ratio of 5.4 and a ma-

an unonventional deeign for the circuit of thie tunnel.
turns. How of staggered vanes are installed to inhibit I..

flow separation. The return kng With the fan to circular
while the two turns and the settling chamber are rect-
angular. The aettling chamber is very lang and equipped
with honeycomb flow straightener and three acreens.

The results of the 1433 are also compared with data
of the open and the cloeed 8 a 6 a open test ections
of the 1233, the German Dutch Wind Tunnel in Marknee
(the Netherlands). The nweste contraction ratio of these
to"tsection. in L.0 and the maximum air speed in about 6 u/a for the open test section and 117 m/a for
the cloed teot eection. The tunnel can also be equipped with two other cosed teet eections with cross
aactions of 6 a x 6 a and L5.a. LS5m, but their flow unsteadiness wae not studied. Several design fea-
turee aim at a good flow quality including a low turbulence level: (1) A wide angle diffuser with ecreen at
the entrance of the settling chamber permits a large noaale contraction ratio. 00i The diffuser angles in
the rest of the circuit are &m&l (Ill) The heat exchanger in the settling chamber baa long flow channels
for good hest transfer but aleo for the elimination of etreamwlse vortficity through viscoua force.. (Iv) It
wee not possible to manufacture the screens in the settling chamber in one piece. However, much care wee
applied in the soldering proces. of the eems to avoid Irregularities of the acreen as far as possible.

L. TUEDUL11iCS LXVULS 0F TOM THEE TUNIEL.S

The velocity unsteadiness in wind tunnels in gene- 0's
rally described in term. of "turbulence level." Q/ti, #/U, - ___

and */Up where 13, f, and * are the root-mea-equate IM09
values at the three componente of the fluctuating velo-
city in the x, y, and a-direction., respectively, and U in
the tunnel speed. The date reported here are meeaured
with hot-wire anemometers using i-wire probe.. 0.6-

The anemometera (Dr/IS) are equipped with poly.-
mial linearleere which yield output voltage. proportional
to the velocity. A turbulence-level meter (DFVLR) toe
used to evaluate the two velocity component. u and v
(or u and w, depending on the orientation of the x- U 0.4 a- ___
wire), to separate the fluctuating portions from the
mean, to evaluate the mean velocities U and V, and the M% --. 0turbulence level. a/U and #/U. The averaging times and
the cut-off frequencies of the high-pas. and low-pea.
filters can be set to euitable value.. Generally the filter =* r
settings 0.1 Ns and 10 Hzl are ueed for them turbu-
lence measurement.. The turbulence-level meter also 0.2 9

Figure 2: Turbulence levels 61U (squares) and f/U (cir- dZC~odm
alke) in the studied test sections. The level. in the -

cosed teat eection of the 013 are eetimated from 0
me. mea that include epurlous elgnak. Note the 0 so10dO*0
facing at about tan for the ratio between the turbu- twinel Wped U W/eO
lence Isel of the MM3 and the cloeed test sections
of the DI or 1433.



ouiuft the thoctustioa uandv' for reaftime frequency analysis in signal eumlymera. The lstat eao

W changed see valuee of the temperature end the paeaeura in the f low. All setting* at the equipment ad
the integrated resumle can be read by the omputer. In addition, the orientation of the a-wie. probe can
be changed through computer control.

Figur.2 containa mom resumte for the turbulence levela il/U and f/U from the three tunnela& The
level W/U of the longitudinal velocity fluctuations is meen to cover a range of values between 0.026* for
the DMW at about 40 %/o and 0.4 It for the NWl. The turbulence level O/U of the horizontal transversal
velocity fluctuations covers a aindlar range between 0.06 X for the DM1 and 0.76 2 for the NWG. The Inweet
values in the copse section of a typical model position for tunnel speeds of about 60 in/a awe liated in the
following table.

- 3 DOW

test section open cloned slotted Open Open cloned

contraction ratio 6.6 5.4 9.0

lowest 4/11 0.19% 0.04 % 0.06 % 0.3B8% 0.22 % 0.03 %

l oet 9/11 0.21 % 0.0 8 % 0.10 X 0.76 % 0.12 X 0.076 %
corresponding 9/6 1.1 2.0 2.0 2.0 0.6 2.6

The ratio #/G ia much saller than one in the center of the open teet section of the DK1. It in almoet
equal to one in the open test ection of the MID while it Ia much larger than one in the NWG and the
cloned or Plotted wail teat eectiona. The origin of theme differences will be studied later.

3. T333 OCUFrMUTIWM TO FLOW UNSTEADINESS

It wes ahown by Iovhesnay [1) in a linearized treatment of the flow equations that the flow unsteadi-
nae in the empty teat ection of a wind tunnel can be described by three independent fundamental coo-
tributiona: vorticity. entropy, and presaure fluctuationa. An other fluctuating flow quanithee ink a tunnel
can be expressed in term" of two or all three fundamental contributiona. Zmamplee for dependent fluctu-
atione are velocity fluctuations. The velocity fluctuations u' in the mean flow direction x are given by

U' L6+ U;.(1)

where u is the contribution of the vorticity field and u , is the contribution of the preesure field, Tempe-

rature fluctuations T are created by entropy and preeeure fluctuation.

and Mach number fluctationa M' are created by all three hbooc contributiona,

Ii = ML+M ; (3)

Vorticity and entropy fluctuations are convected with the tunnel flow. The propagation velocity Up. of
them dtaturbanciee to equal to the tunnel speed U. It wee shown in reference 2 that preeaure fluctuations
are governed by a convective wave equation and that the component Up of the propagation velocity of the
pressure wave. tn the mean flow direction can have any value between zeao and infinity, except a small
range around the tunnel speed U which must be excluded for this linerited treatment.

Propagation velocities Up. proportional to the tunnel epe U are observed for preeeure wave. in the
nea field. of free mheer layers or boundary layers. In thoe cannot Up in cloee to the propagation speed
of the dleturbanciea in the chear layer. Plane mound wave. propagate with a speed Up =U * a, where a is
the sound speed. Large valuee for I U,.-U can be obeerved for sound wave. that propagate with an angle
relative to the mean flow directiov. The component lUp-UI in the flow direction become. infinite for sound
wavee that propagate perpenticular to the mean flow direction. This to the cam for the cut-on frequencies
of higher order duct mode. of mound.

Only velocity fluctuations are discused in thia pane,.. They are described by eq. (1) and equivalent
equetions for the two transversal velocity components. The velocity fluctuations u,6 in the a-direction
(mean flow direction) due to vorticity depend on the two vorticity components in the y-dlrection (horlao-
tel transversal) and a-dfrection (vertical transversal). The velocity fluctuations u; in the t-irection due
to preesure wave. depend on the propagation velocity of the preesure wave.. According to ref. 2 we have
for Up * U

U;=p'/((Up-u)). (4)

This result indicates that the effectivenees of a pressure wave in generating velocity fluctuatjo.je in
the meon flow direction of a wind tunnel depends very much on the difference U.-U between the compo-
nent Up Of the wave propagation velocity in the x-direction and the tunnel speed U. For the rme-value. ap
of u; and 15 of p' we obtain the relation

Op/U Op, U/(2jIp-Uj), (5)
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whee OP = 0/((*M)Ua) is the thaotueting pressure coefficient. q. (5) shown that large nmmisd velocity
fhuautu ams GpfU duo to pressure waves require one or both of the following two conditions to be sis-
fied: (0 large velume at the pressure coefficient Og or, () large valise Of U/1 Up-UI. For plane sound
waves we obtain

aGp/U = p(M) W2, (6)

where M : U/a in the Moch number at the tunneL M is small in low speed tunnel. In addition, Op(M) due
to plane a is generally smell for small h umbere. Tbarfor, the contribuUon of plane sound
waves to the velocity fluctuation level in low speed tunnels is generally negligible.

The cas is different for pressure waves that propagate with Up : a U, where a : 0.8 ... 0.8. For this

c we obtain fram eq. (6)

0,UZ OP P, (7)

where p: 1.25 for a = 0.6 and p: 2.5 for a: 0.. It will be seen that this contribution is not negligible
in low speed tunnels in positions sufficiently close to shear layers.

4. DIFF IIATIO OF FLOW UIIeTUADI]OSS IN TEN P NUESOY DOMADI

The description of flow unsteadiness in terms of turbulence levels 0i/U, 0/U, and */U is not sufficient
when the effect on the quality of wind tunnel results is concerned. 2.g., boundary layer transition is
influenced by fluctuations at rather high frequencies, buffet onset by medium frequencies, and
measurements of static forces and moments by rather low frequencies (see e.g. Harteuiker [31). It will be
shown ]sar that tunnels with identical turbulence levels can yield completely different experimental results
because their frequency spectra are different.

Figure 3: Frequency spectra for the v -velocity
fluctuations in closed test section of NWB for --- -----
tunnel speeds between U = 20 w/s and U : \ \ r.
60 isi/. x : 3.72 m, y : -0.04 n, s = 0 m.

FiaaurL_ prsente the frequency spectra of the F -
v -fluctuations in the closed test section of the ' -

NWB for different tunnel speeds U. The frequency
is plotted logarithmically on the horizontal axis.
This has the advantage of a good resolution of the
spectra at low frequencies. The mean square value
'12 of a spectrum is given by the integrals 1. IM Me 0
IAV'(f/) df : J(f a'/Af) df/f = J(f e'/&f) dinf. Freoency f Hz -
The first integral is convenient for a linear fre-
quency axis where a frequency interval Af has a
constant length. The lest integral is convenient for a logarithmic frequency axis because Anf has a con-
itent length on the axis in this cae. Consequently, the power-spectral density &VI/&f times the frequency
f is plotted on the vertical axis in this paper. In addition, a logarithmic scale is used. The square root is
used for axis labeling, because the square root of (f &40/&f) is proportional to the velocity fluctuations v.
Hqual spectral density levels at different frequencies in figure 3 indicate equal importance of this part of
the spectrum with respect to the root-mean-square value F of the fluctuations v'. Bach spectrum in this
figure is a combination of two spectra, the first one covers the frequency range from 1.6 Rs to 400 Hz, the
second one the range up to 12.8 klz. A combination of three or more spectra is necessary for a better
resolution at low frequencies.

Figure 3 also illustrates the problem of hot-wire nenometry in low-turbulence flows: spurious peaks
appear in the spectra. The peaks visible at low frequencies are caused by vibrations of the probe strut
with its natural frequencies. The peaks at higher frequencies are caused by natural frequencies of the
probe holder, probe, or sensor wires. The effect of small vibrations on the turbulence level can be demon-
strated with an example. A vibration with an re amplitude of I jm and a frequency of 4 kz simulates an
me velocity fluctuation of 5 : 0.025 ma/, or a turbulence level O/U : 0.06 I for U : 50 m/s. Such a con-
tribution can dominate the indicated turbulence level of low-turbulence tunnels. Therefore, the turbulence
levels of low turbulence tunnels can only be determined by cleaning the freqency spectra from apparent
spurious contributions and integrating the spectra to yield the turbulence levels. All levels reported here
are processed in this way. Only the -/U data for the closed test section of the DNW in figure 2 are esti-
mates deduced from values that include probe vibrations. Broadband contributions from forced vibrations
of the probe cannot be distinguished from real velocity fluctuations and, consequently, are included in the
turbulence levels reported here. The origin of the spectral levels at high frequencies is not known. It may
be the nos floor of the electronic equipment which depends on the wind speet in the case of a hot-wire
anemometer and cannot be checked in the no-flow condition.

It can be men in figure 3 that higher wind speeds increase the spectral levels in the NWB and also
increas the cut-off frequencies for the decay of the spectral level at high frequencies. A decay can also
be observed for low frequencies. The cut-off frequency for the decay of the spectral density of v' at low
frequencies is almost independent of tunnel speed, because it is primarily a function of the the lateral

dimension of the test section and the sound speed.

Nk-
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5. TOET ScTOIUlm TEAT AR OMIN ATED BY VOJRTIrY

The spectra of figure 3 for the NWB are replotted in a non-dimensional form in figure 4. using the
tunnel speed U and an equivalent diameter D for normalization. D is defined by D = 4 A/m, where A is the
croe-sectlonl area of the test section. The normalized 'frequency St = f D/U is called Strouhal number.
Additional non-dimensional parameters of this problem are the Reynolds number Re : U D/v, the Mach
number M : U/a. and the Solmholts number He : f D/a: M St. The moat prominent influence of these
paramaters is a rise of the cut-off Strouhal number for the decay of the spectrum at high Strouhal
numbers from a value of St-" 20 to a value of about St 30 which my indicate a Reynolds number
influence. The cut-off at low Strouhal numbers is
shifted to lower Strouhl numbers with increasing
tunnel speed. This is a consequence of the depen- 2-J,

dance of the v'- and w'- fluctuations on tunnel to .0
dimension and sound speed described in the pro- ...-
vious paragraph and can be epressed as a Helm-
holtz number dependence. The cut-off Helmholta
number is about He = f D/a = 0.1. ± .

Figure 4: Normalised version of figure 3. Normalized
frequency spectra for the v'-velocity fluctua-
tions in closed test section of NWB for tunnel
speeds between U = 20 m/a and U = 60 m/s.
x = 3.72 m, y = -0.04 m, z = 0 m. - o 10. to.

Strounal numoer. St - fO/U

Neu" 5 is a similar plot for the w'-fluctuations in the NWG. The normalized spectra are almost inde-
pendent of tunnel speed for this tunnel. The Helmholtz number influence on the cut-off at low frequencies
is replaced by a Strouhal number influence because the NWG is a free jet tunnel which has no walls that
constrain the large transversal fluctuations at low frequencies. The cut-off Strouhal number has a value of
St = 0.1. The Reynolds number influence at the high Strouhal number end of the spectra in the N"B has
disappeared in the NWG. Note the large
range of 5 decades of the Strouhal number a
axis. Two of the spectra are combined from
four spectra with differing frequency 1 145 oo2

nc t .... 74 .0073
ranges which yields a very good Strouhal
number resolution at low Strouhal numbers.
The third spectrum is a comblation of three
spectra.

Figure 5: Normalized frequency spectra for
w'-velocity fluctuations in NWG for dif-
ferent tunnel speeds, U 40 m/a,
60 m/, 60 m/s. z = 1.0 m, y :a = 0 m.

10 .1 I 0 100 2000
Strouhal numOer. St -f./U

The spectra of figures 4 and 6 are dominated by vorticity fluctuations. A typical property of vorticity
fluctuations in the test sections of wind tunnels Is that their decay with increasing distance from the
nozzle is negligible. This is demonstrated in figure 6 which shows w'-spectra on the center line of the
NWG for U 2 60 m/s for three distances, 1 m, 2 a, and 3 m from the nozzle.

A second property of vorticity is that the turbulence levels -/U and i/U for the velocity fluctuations
perpenticular to the mean flow direction are larger than O/U for the longitudinal fluctuations. This is
obvious in the Strouha number range 0.3 <
St < 100 of figure 7 for the velocity fluctu- Frequency f (HZI
ations in the closed test section of the NWB. 20 200 1000 10000

The spectral levels tend to become equal for .. 2± "'
Strouhal numbers above 100 which indicates -- -0--3
isotropic turbulence. The v'-fluctuations at * ,. - , , ,

smell Strouhal numbers are larger than the
w'-fluctuations because the dimension of the
test section in the y-direction (3.25 m) is
larger than in the a-direction (2.8 m). ,a

Figure 6: Normalized frequency spectra for
w'-velocity fluctuations in MWG for dif-
ferent ial position z =: ,2m, and ..

3 m0 t0 too3m. y : 0m. U :40 . tstrounol numOer. St= f./UIA third property of vorticity is that its propagation speed is equal to the tunnel speed. This was
verified in the NWB with a tandem-wire hot-wire probe. Two normal wires were separated in the flow
direction by &a : 20 mm (Ax : 10 mm is now used for Improved cohfnoe). A lateral separation of about
&y = 2 mm was used to keep the second wire out of the wake of th one. The phase velocity can be
computed from the phase spectrum as a function of frequency and found to be Identical to the tunnel

U speed. 0

I .. _ _I I
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Figure 7: Comparison of normalizedFrqecf uw
u-, v', and W -apectra in closed

teat section of KMS U = 50 rn/a,
x= 3.7m,ySa-0.04. s=032.

Flmigue0inI a comparison between a normalized
U -apectrua of the NWD for U = 50 a/a with two rr --.

corresponding spectra of the 0MW for U = 40 =n/a -

and U = 100 rn/& The ONI ha smaller normalized f7
levels for Strouhal numbers St ( 10. A ratio of aout IV' At
2.5 between the spectral levels of NWB and DMW
would correspond to the different nasle con-
traction ration of both tunnels. This figure also _____________

Illustrates the effect of cutting off the spurious 1i tO t~

pak.. The integrated turbulence levels are repor- Strouhatl numbert. St t*D/U

ted In the upper right orner of the figure. The
turbulence level of the corrected spectra in seen to
be identical to thie uncorrected one in the case of
the NWB. The turbulence level of the DNW for U: 47e T.

40 m/@ Inreduced from G/U = .030 %to 0.026 % ~a
and the turbulence level of the 1)1W for U: cort .00M~
100 n/a in reduced from si/U = 0.045 % to 0.034 %. corce .00011

Figure 8: Comparison of normalized u'-spectra :-
(- IS, U = 50 a/e. x =3.7 a,

y = 0.04 a, isz 0 a,
--:DN, U =40 a/*, x =6.5 a,

.):fl, U =100 a/s. x a6.5 a, ~. ~ .

Y S =0 a.StrouTal numbe,. St *fitS/U

6. DIPLUM~cS OF IoMFBCTIONS OF FLOW STRAIGUTU4ER AND SCRHENS ON VOgrICMr IN TEST SUCTIOK

The turbulence levels 0/U, W/U, and iv/U in the closed test section of the NWB as a function of posi-
tion y are plotted in figure 9. The integration was performed between the Strouhal numbers 0.1 and 1000
which corresponds to frequencies f t1.5 K~s and 15 k~z in the case U =50 m/s and D = 3.4 m. All peaks
in the frequency spectra were eliminated before the integration wee carried out. The lowest tutrbulence
level. of the tunnel are observed for y = -0.2 m. Narrow regions with higher turbulence levels are appa-
rent cloee to the center line of the tunnel and at intervals of about Ay = 0.54 m. Their width is only about
0.1 m. Them regions of increased turbulence can be related to the positions of the support structure of
the honeycomb flow straightener in the settling
chamber which has six element. in the y-dlrection.
It to surprising that the three screens behind the
flow straightener are not sufficient to eliminate the
flow disturbance due to these structures. Also 0 21 -

notable in figure 9 is a gradual ris of turbulenceI
when the position approaches the wall.[

Figure 9: Influence of lateral position y on turbu-L
lence levels 0/jU, 7/U, and */U in the cloned
test section of the liVE, x = 3.7 m, is = 0 m,
U = 50 in/a. Note the peaks at y = -0.04 an and
-0.57 is which are traces of the wakes of the oL ________________
support structure of the honeycombs. -15 ~ 1I -0.5 0

lateral position. y Wro -

Fiture 10 serves to demonstrate the causes of the change of turbulence level with position y. The
v -spectra in the NWB are compared for a tunnel speed U =50 n/s for the positions y = -0.04 m,
y =-0.2 me, and y = -0.8 m. It can be meen that the large rms-value at y = -0.04 m is caused by a broad-
band contribution with a maximum at a Strouhal number around St = 5 or a frequency of about 70 Has. The
width of the wake responsible for this contribution can be estimated as follows. The Strouhal number St
f W/U of the dominant frequency in the wake behind a two-dimensional blunt body with a width W is given
by St w 0.16, approximately. If we consider that the flow speed in the settling chamber in U = 9 n/s we
obtain a wake width of V = 0.15 U/f = 0.02 m which in a very reasonable value.

The spectrum at y = -0.8 m indicates a greasily increasing contribution for low Strouhal numbers. The
spectral levels are almost identical with those in position y = -0.2 a for Strouhal number. St ) 40. The

diferece etwenthe two spectra rise with decreesing Strouhal number. The largest difference is at the
lowest Stroubial number of the plot, St = 0.1, where the factor between the plot, St = 0.1, where the factor
between the two spectra is almost, 4. The gradual change of the spectral level with Strouhml number indi-
oasam vortlclty as origin of the fluctuations. A contribution from pressure fluctuations due to sheer Layers
has a different spectral behavior as we shall mee in the next section.
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Figure 10: NonsdV -velocity apectr in the Frqec f Daltcloed tssectonofthe Mi U c 50m/sz .. x5 so ,i
is) van heof support ........
structure. y - -0.04 u.q S

level. y a -0.2 a.....
cl): oser to the goal. y - -0.8.....I'

The leot two screens in the settling chamber of
the NI Were recently aelse nd the infliunce

ofthis chenge an the turbulence level was studied.
The original screems woe. amd from two pieces
which were caesfully soldered together. A see In I to to too
the vertical center lie of the screen was visible StreuseS issuer. V. f* /
but it wee very surprising that Uts effect wae
measurable in the total pressure (comunication by IL Otto, DFVLR Dmonschweigj end in the turbulence
level at the test section. The new screens hae the nominal d-mnsoa but are waves in one piece. Ut
cen he ese from ficure 11 that the V -spectru are almost unchanged in the ares of minium turbulence at
y 2 -0.2 m or -0.37 m. The most prominent change
is a considerable reduction of the influence from
probe vibrations. Ficg 12j In the corresponding i6 m v
plot for the tunnel center. The gain through eliml-:7
nation of the screen owns Is clearly visible and
has reduced the turbulenc leve from 9/1) 0.24 Z

hto 0.16 It.

Figure 11 Normalized v'-veocity spectra in the W.
closed test section of the MWI, before and after
change of screen, x 3.7 s, a = 0 u, y-posl-C
tion with low V/U level

n ow acres., y =-0.2 a, U z 60 s/a,
(. :old screwn, y -0.27 a. II 48 w/o.

Strout,.I number. St *f-O/SJ

Figure It Normalised v-vlocity spectra in the
closed test section at the NUB, before and after
chnge ofscreen, a =3.7 a,s =0a, in the

wake of the honeycomb support structure and
the @ena of the old soree.

a-: ie acreen without ams
y =-0.04a, U = 0 s,
o........ ldacreew wthaown,1 0 00 00
y = -0.06 a. U - 48 s/a. StruO flumer. St -f*O/u

I. BUNAR [A= MPUI FIELD OF OPUS AND OLIAWM WALL TUB? SU~M30

The free sheer layer between the flow and the test hall of en open test section contains large vor-
tidies which are convected downstream with a convection SpeI of about 0.6 tines the tunnel speed. The
voartct distribution in the seer laye Induces a non vertical fluctuating preseere field in the "potential
core" of the free jet as wall as outside the free Jet. This fluctusting flow field proagatee with appro-
uimetaly the speed of the large vortices. The Influence on the turbulence level con bea be studied with a
tunnel with interchangeable test sections. The NOWS and DKW are euch tunee1 1

Pitre 13 is a comperison of two corresponding spectra from the -P and the closed test eeetione of
the NUD in the center of the test section. These spectra wore measured with the old screen and, therefore,
include the turbulence of the screen ean and the wake turbulence of the honeycomb support. The influ-
sncs of the free ehoor layer is clearly vieible for Stroubel numbers St 2.L Narrow peeks in the trouhl
number rem 0. ( St <0.1 indicate a feedback between eceest rsommeme of the tumned aiwowit and the
generation of large vortices at the nozzle lip. The level of these peaks ny cbange onesiderabhly wit tun-
nel speed because the pumping power for the recme deedsm the psbtenthe erriu tine
of large vertics at the ollector end the resonant wave. VTesvos ser C(Stife wings) are inted at
the sod of the ssles ot the NUD to Inhibit the triggering of large vutiowas nd to re@duce aeherembe

within the large vortices that it the coletor. Otherwise the peeks in the epectrum would have baenee

brew.J~~i.~77
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Figure M3 u'-epectr i a op. and closed toet eec-.
ti.. in the EWM Note sheow layer induced hump
for at lC 1 and the almot identical Spectral
levels Mar RLt) 2 which ewe generated by vor-
ticity.

A etedler comparieson for the -K ia preented
in figurei& The e*e layer Induced hump ie
much moe pominent in thie figure. The specing
between the narrow peeke is smaller than in figure
13 becmuse the rsant frequencime of the tunnel
are more closely spaced due to the relative large
length at the circuit. The turbulence level of the to lg
open teot sectioun ie 0.16 X. The integral over the StIoh~ 00111 ufrl. St. - 00/U -
spectrum of the closed test eection yields 0.030 %.
Am Included Is a cocrrecied spectrum In which the
peeke at high Strcuhal number are removed. The 10 too 1000

Integrel Over this epectrum yields a level of 1-W0 "z"T
0.066L The ratio of the turbulence level, at bath 777 "' .1
teat sections te 7. It is interesting to note that the 0101 .S
vartficity level in the cloeed teat, eection to higher -
than in the open teat ection in both figures 13 3
end 14. The reeeon for thie is not known.

Figure 14: u' -spectra of open and closed teat eec-
tic.l in the W1W. Note that the &hear leyer in- yi.

duced hump for St < 2 ia much more dominant
then in figure 13 for the NWB because the vor-
ticity induced spectral level for St > 2 toto 1000
lower. Stroultel llwb. St * t/U

The open teot sections of the three tunnel. NWO. MMW told ecroen), end 011 ea coinpared in fmz
16. The vortfictty level ie different in all three spectra. The typical contribution of the sheer layer in
almcat identical., it is barely visible In the 1110 bemuse its vorticity level toseo high. Charecterieticeal is
the steep fall-cuf of the presure contribution for
Strouhel number. St > 1. The turbulence level 6/11
of ell three teat eections Ia aloet identical becauee "m~

it ia dominated by the contribution at the pressure "3 .0017

field at low Strouhal number. The peek frequency t" 5 00

of this contribution In a function of nornelied :f . ... .. 1 0
noacie dietance V/D. The peek level depende also on I '
x/I atoshown in rot. 4. 2

Figurel1.lu-pectra of open toot setosin 1110-a NWS -- ) and DUN () Note that

tical in all three tunnel&.

Figure 1 demonstrates that a .1.1kvr, thogh
weaker, contribution at smill JILrauhel numbers can
be observed In the slotted wall teat ection at the
NW!. The elote were fully opened in 16! % o the
itetl wall erqae. The hump at low Stmauhel numbers
to large for smll distances from the wall and small rmqvov f Pit01
for "o"o In the center. noe deca in flakr for Nq to lW so
higher Strouhel numbere as wa predicted in ref.
L. The influence of the homeycomb atrut wake am
be m in the vortleity ofis a the epectra far

d/U e dmintedby the spectral contrbutsa
low stroulal numbers end ewe almat independent
of the vertialty level like in the cas of the open ,' A

Figume 16 u'-epestra for deremt y-paattlse In
elalted Wall tea moltion at MID. Noe that La
sheel baer also. Induce a hump larSa
Stramel aumbere eimla t ispen test Au. I, noo

(fl~l2. t.'eteel 11w at film3 -

4
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S. 10WL1OYINI OP VuO~L0 IUSIBA2 WK DONAf! LATinTMf0

aseieneo the boundary layer transition on a proe.t spheroid mwers carried out by Ereplin et &L
0066) Is wi tead owse of the three Iu~ NUB 1M% M and 11W. The transitio result& were correlaed
by ibier at aL. t13 with turbulence datas. The rhI IaI roalltt saB be reported here.

The ephersi with a length of So 2.4 a Insho a na the right side of figr[1. Surface hot film.

tWo heR f to the pt) idepened Satuon-
zomslt andl th mtasstat..r.w

Tlest bWA 7eloiy eotr aut The pnesiti o tte inDim~ fracmarmwt hetast
dsate t trant atne iamter anfo the nftain h frqunc . w rpiodb te
siegt at thgue aphaon d Theim aetra Reld inw NUBla a. rahe hghh th

tetnitn yndanumber withoU/.Ita b thet ptunn e vel tha MIt m b sorebedwit t eete vel
and test woofc an the rtanmberangte 10r MO St22fU5 0. h lwrthavau0 tehihr n

It n curve wt h rmreaeta h

Fetgte ItrPonitionat toransitiequalse oig to ylevel ~~~~ ~h a/ IahgerI heoe ta eoim
withndeqalry la ofgptryloer sperdas a tvel2

une etionedf Strouel number. rne. tatI

an loed statetion at IB (aatmnol ecreen)
aDo anis" tea eatinatD1.Th tr

hlne e W- ain sperma wth thnel reth nfgue1 o omaicswt tetasto
legh Soof the eperald. The pectal leve in teM srte g eas h esrmns a

tarre Souihe nmer angte 10" @( o bet o 100 soas m relcdNW(a'm on-. A omarsoo
th o rastoe wihthReynold nbe uit beser real thti w ecreae ihteseta ee

(f/U2)(&1l2/&f)~ ~ ~ ~ ~~~~~Stoiio numer th toblnme ag 0<S afU<10 h o hs lth hihe is tohe
btraniti teatls wumereo ca rivdoineoen teatio eonsmo the 1151erowver It myb-etoew suha correlaudon

ina nth posibe with tg fresue epectra. Tahe teste amlenaeawf eaea dtclI
th pndteclo ed te at .et.adspt ai of abou aeMe bewehe trbulenceFeeec (M leve----

leve DIVis 0ihe In theT opnTAIUS Los welln 1ES 10 100I 1000-HOE

Yt, he teratintocr at equal f or sl ghat 10n 1mardb loutoea m~ rqece es

fogr reque ote f ubr w ~ h michn foreunypo mh dn edb a W tro/u nubeOSLf /l3(2
wihr Ln esqu tpal oaslegth lom themodl lv. el iitm Imile ht reu nista oeodt

dingue9 Nrmuale nu bser a gin by St ope Ut( ) w2 r &f ntpcll nteode 2fran th 
etse d va 

ouw o noaeta h unSru number 
rangge t o (6 Ia m ft o h

e amnt loe t rest ecnd moenta. (on Impeatiom 1tteeatr nfgr hoghSed1 truh
andcatese h tebot hal Uhe ofluc.Th ge rgyi eteoim ta r aieeub -tot een

tene numth instru nmber range. Aimenth nryi stie eo t26I h pnta et
a I f thd sp. heoid.The gpcat evel os tail e i tned i fle widtu01.S

t a malin tetsd inr varied tunta inth d est tea-egoftsm glees o vetiatam the weoncarfe-
tesopene andt seri theselosedthattthetionsluespse at vaissity abotuotvetibetwen the measurement.els

Tof esurmn fsai forces and momnawemin ih neins to imad by fltsation th salimtn tre unel Stcause

di umlSrua ubrI t yS t(/) hr stunnel i heodwo wit a sane
sicatV sis twa

With~ them vausw ocue1btfatne t-b'nubrrneS sipratfrtea
sueeto - and~ no.4A4npcin ftesetai fgrs4truh8 n 0truh1
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ensdins to an energy level (*/fla 2 10-0. If we maxam t" - hal f a this saugy cma.s fro fluctu-
atons below St z 6 we obtain a turbulenoe level of */U %.0007 for the quai ateady fluctuations. A cret
bam' of 8 would vield a smi tao 4/1 = 006 for tha low frequenoy apituda at w'. Thin amigae-
Funs to a ~mokn anpiftuda for doe large male migis of attack fluctuations of A c (*/U)(100 doug/)
0.32 des or a total badwidth for the agle at attack of An: 0.54 degrees. Tin is a coidureble fluctu-
&ties which requires averaing at the reading.. and limita the productivity af a tunnel The situation in

-ae Jor oe ceat esI' or for to"t sctions with slotted wells in which th. voleuity fluctuations at
low frequencies are even larer.

10. OOUOLUSIU

The velocity unsteadiness in wind tunnels in created by contributions tram vortficity that in conveoted
into the teotlsection and by preesure waves. Large differences of the velocity unsteadinsse wee oberved
in the three tunnels and eli different teet auctions studied in thia paper. The reason for theme differences
are differing contribution. from vorticity and preeeure fluctuation.. Thu vorticity contribution to the
turbulance level il/U at the longitudial velocity fluctuations varies between about 0.03 Z for the DNW,
0.04 It for the MS.i and 0.4 Xi for the MM6G The difference between DKW and KiWB can be explaind with
different needse contraction ratice. The probable origin of the large vortiolty level of the kiwre large
flow eparationa in the "diffuser turns" of the circuit (uee fg.1).

A surprising finding is that the wake behind the support etructure of the honeycomb flow straight-
ener at the M~ onutibutues considerably to the vorticity fluctuation. in the teut moction despite the pro-
mumc of three screens. A siniger influence wasn detected in the to"t section of the kiwi fromt Me wake of

the ecreen muam. Therefore, screens woven in one piece should he uaed for low turbulence tunnel. and the
flow straightener should net generate wake.

The pressure contribution to the velocity unsteadiness to amall in the two cloed taut oncitine of NWB
and DII, but it Is large in all three open test ation. and in the slotted wall taut motion of MBw. The
contribution from the free shear layer, of an open teog section In a poultion ZD =.8^ y/D = aiD= 0 to in
the order at AMU = 0.16 %. Thin level depends on the position and on a feedback between shear layer vor-
time end tunnel reumcoes which Is typical for open test ueotiona.

Ocutibutions from vortleity and pressure fluctuation, are distributed diffarently in the frequency
domain. Vorticity in distributed aver a large frequency range wheres pressure waves dominate the low
frequency range if they are notficabla. It In demonstrated that the boundary layer transition depends on
the velocity fluctuation. at high frequencies which are dominated by vorticity. A low vortity level is
necessary if teute shall he carried out that depend on laminar turbulent transition.

Fluctuation, at smal frequencies Influence the force measurements in a tunnel becausu they have a
very large scale. A tunnel with cosed test motion generates quuui steady angle at attack fluctuations with
peaks of *0.2 dugrees, typically. Thin fluctuation restricts the precisicn of fore measurements unless a
certain integration time in applied.

1. KawvAsany. LS.C.: Turbulence in suapersonic flow. J. Aeroaut.Sci. 20, 6674674 and 600 (1968).
2. Ichel, U. and Prouhel, 3.: Definition, aourcee, and lowest posaible level. of wind-tunnel turbulence. In:
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Nropemn hlgh-Boynolde-sumber transonic wlnditunnul L3W. AGARD-3444, 1916.
4 NoeU. and Proebel, L.: Lower limit for the velocity fluctuation level in wind tunnebL. To appear in

4. eifet in Windd Tunel 41067).6.OYLIi127 ~, 9
". Irepin, 3.-P., Mieur, NLU., and Baumgarten, Dl.: Wall shear utree. measurementa on a prolate spharoid

6" greplin, 3-P.. Meier, ILU., Marcher. an .. ~ r.A:WRsea te souomso
probat spheruld at aro Incidence in the OWWn um6DVR1t.S- M

7. Meier,. LU., Mobehlt U., end Wreplin, 3.-P.: The influance of wind tunnel turbulance on the boundary
layer tranaition. In: Perspeotlvau in Turbulenc Biudin., Micrto: E.U.Ueter and P.Brodsbaw, 26-48,
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INPACT OF NOZZLE DESIGN CONSTRAINTS ON TEST SECTION FLOW QUA.ITI

by
0. Van Every, S Raimmndo and G.M. Elfstrm

SAInternational Inc.
Toronto. Cando

L4V lV8

SINIARY

A procedure Is described which allows the design of relatively short adjustable nozzles without
resorting to the assumtion of radial flow upstream of the nozzle inflection point. This design
procedure is used to generate a nmer of fully flexible nozzle designs for a design Mach number of 1.4.
Flexible nozzle parmters such as pressure loading, -,wIer of actuators and nozzle length are varied inoder tht th Influnce of thee parametrs on tet section flow qualit my be evaluate. Theinfluence of nozzle actuator setting accuracy is also estimated. The parametric study shows that high

flow quality can be achieved for the shortest nozzle considered. The examination of Jack setting errors
shows that for well designed nozzles, Jack setting error will be a significant source of test section
flw non-uniformities.

LIST OF SYNBOLS

C - matrix coefficients which relate plate wall angles
d i - the ar length between I and 1+1 attachment points

SYu n's Modulus
nozzle exit half height

I - second moment of area per unit width
K - matrix of attachment point curvatures
KI - plate curvature at attachment point I
L lengh of nozzle from throat to nozzle exit

M a -ch nuer
NAP - nber of attachment points
MW - numer of wall points at which the aerodynamic contour is specified
Po  - test section total pressure
P - the differential pressure at attachment point I

p matrix of pressure coefficients calculated from equation (5)
R - radius of curvature
R - radius of curvature at the nozzle throat
tS - arc length coordinate measured from the nozzle exit

SI - the arc length at the Inflection point
t - plate thickness
V - y component of velocity

t - throat half height
a - local well angle

- the wall nle at the nozzle exit
I 1- the wall ale at the inflection point

N the standard deviation of the Mach number distribution on centre line for the test rhombus

1. INTROOUCTION

The nozzle section for a supersonic wind tunnel is a critical component which has a direct effect
on the test section flow quality. Inadequate design of this component can lead to unacceptable Mach
numer and flow angle non-uniformities. Even with the best design procedures. the nozzle will generate
so nonniformities in the test section due to the physical compromises reqired In design and con-
struction. The goal of any design procedure Is to minimize the effect of the compromises required by
the physical constraints.

Any nozzle design procedure can logically be divided into two tasks. The first task is to deter-
mine the ideal aerodynamic contour for the nozzle. This contour, if constructed, would yield a nozzle
which gives perfect flow uniformity. The second task is matching the aerodynamic contour to a contour
which con be realistically built to this aerodynamic contour. The nature of the matching process
depends on the type of nozzle to be built (e.g. fully-flexible, semi-flexitble, solid black).

The meet comonly used approach to the problem of determining the Ideal aeromAc contour for a
two-dimensonl nozzle has been to asue that the flow from the threat of the nozzle to the Inflection
point can be approximetod by a radial source flow (e.g. References 1,2,3 and 4). The remainder of the
contour is tho usually determined by mploying some form of the metho of characteristics. These
design Miethd usually iqose the constraint that the slope, curvature, and rate of chang of curvtur
be continueus functions for the comlete lengt of the contour. Regardless of the V"p of nmale
finelly Ch to apprOximte the aerodynmic centa, these constraints will permit the best metc ig
betbeen the actual psical nezzle shape and the ideal con . For example. a tontinuous flexible
pl te0n311e cannot accIndote discentinuities In curvature, and discontinuities in curvature slop are
only psible at position where actuators are attached to the plate. Therefore, In order to achieve
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it Is best to have continuous slope, curvature, and rate of change of curvature. These requirements
lead to the Concept of a partial concellation region for to-dimnsional nozzles. In this region Mach
Owaves" are reflected at part strength from the wall. The rate at which the flow is turned at the wall
is more gradual than is necessary in order to cancel the wave, thus permitting a smooth curvature
distribution. These concepts for the solution o0 the nozzle flow field are Illustrated in Figure l.

There are many possible approaches to the second tesk in the design process - the matching of the
plysical nozzle to the aeroynnoMc contour. Test section flow non-uniformities will arise from slope
mismatches between the final shape achieved and the ideal aerodnmWc contour. Successful matching
procedures will in sm way minimize the slope errors. Oesi and Jain have developed a least-squares
notching procedure which minimizes the slope error at attachment points only. (Reference 5). An
elaborate numerical optimization procedure has also been developed by Varner. This procedure requires
the calculation of the nozzle exit flow uniformity for many Iterations in order to optimize nozzle
parmters such as actuator number and position (see Reference 6).

The approach to erodonamic contour design described above yields relatively long nozzles. This
long length arises becauso a region of full partial cancellation is included and also because moderate
throat curvatures are used. Throat curvatures most not be too severe in order that the radial flow
assumption Is not violated.

In this paper a method Is presented which permits the design of shorter high quality nozzles than
would be possible using the traditional design approach. The development of this method was stimulated
by the requirement to retrofit an existing transonic facility, which has a semi-flexible nozzle, with a
fully-flexible nozzle. Both present and near-future test requiremnts will place heavy emphasis on the
transonic speed regime and therefore this paper will focus on nozzle design for the upper transonic (or
lower supersonic) Mach n-, ers. The physical constraints that are important in the design of a nozzle
will be discussed and the effect of these constraints on test section flow quality will be explored.

2. NOZZLE DESIGN CONSTRAINTS

The method presented here for the calculation of the aerodynamic contour can be matched to any
type of construction for the physical nozzle (e.g. solid nozzle blocks, semi-flexible nozzle, fully-
flexible nozzle). However only a fully-flexible configuration will be explored. The physical para-
meters which will affect nozzle shape and the closeness of the match to the aerodynamic contour are:

* The length available for the nozzle
* The number of actuators
* The number of attachment points
* The plate stiffness

The plate used to form the contoured walls of the nozzle will take up the shape of an elastic beam
between attachment points. This shape can never match a given aerodynamic shape perfectly and this
mismatch will cause Mach numer and flow angle non-uniformities at the nozzle exit. The shape of this
plate is set by the actuators and the end conditions. Two downstream end conditions are normally
employed: a built-in end or one that is hinged. The hinge angle would be set by an actuator designated
for that purpose. The upstream end condition is usually a hinged slider. A typical fully flexible
nozzle design is shown In Figure 2. Note, that to minimize interaction with the throat region, the
hinged slider should be placed well upstream, into a region of effectively incompressible flow, without
local flow separation.

The actuators may be attached to the plate through a single pin attachment or through a two point
attachment known as a whiffle-tree. Only single pin attachments will be considered here and thus the
number of attachment points and the number of actuators will be equal.

As the length of the plate is increased and the number of actuators is increased for a given Mach
number and test section size, the match to the aerodynamic contour will improve and therefore test
section flow quality will improve. However, the cost of the nozzle will also increase, so the final
object of any nozzle design exercise will always be to produce a nozzle with the mininu costs that meet
the flow quality requirement. This then translates to a nozzle with minimum length and the minimum
number of actuators and attachment points.

There are also practical aspects of nozzle construction which must I* considered when specifying
flow quality and designing the nozzle. There will be a finite achievable actuator setting accuracy and
in sone Instances this may be the limiting constraint which finally determines the flow uniformity
achievable. Other factors which may be very difficult to control include temperature effects on the
structure and deformation of the plate in the cross-stream direction.

3. O 'ZZLE OSIfI

3.1 Aerodynamic Contour

As described above, many methods that have been used in the pat to calculate an aerodynamic
contour depend upon the assmtion of radial fow from the throat to the Inflection point. This
assumption will most probably be valid if the contour is gradual and the throat curvature s smell. If
the nozzle is to be ade short, thus requiring higher threat curvatures, the radial flow assuption may
not provide an adequately accurate starting point for the solution of the supersonic flofield down-
stream of the nozzle inflection point. Because of this concern. It was decided to use the simple smell
perturbation solution of the transonic flOw in the throat region developed by Seuer (Reference 7.

(It/Tt (2.0. Reference 8), this solution should be adequately accurate for the curvatures which are
%;,, ,, A~hevghit has bean snown that this solution is unrealistic tsr a sell throat raoius of cwrvature

U1!
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practical for a flexible plate nozzle. Curvature will typically be limited by plate stresses: In the
I present study the smallest throat radius of curvature is about 3.34 throat half heights.I

This solution to the transonic flow problem Is used to detedne the flow field In the throat
reglon. The shape of the houle wall between the throat and inflection point is specified as a design
Input. Any somth shape could be used as long as variation of the wall angle at the Inflection point
Is poisble. aly fully-flaxible nules are considered here and thus a wall shape which can be
perrectlymtched by a flexible plate was chosen for this portio of the wall. The appropriate shape
is that of a cubic spline curve. A single spline is used between throat and inflection point. For
this Initial curve the throat radius of curvature, the arc length betwee the throat and the Inflection
point and the wall angle at the inflection point are very simply related. This relationship is

SI'21Rtt (1)

To determine the aerodynamic contour, either the arc length or the throat curvature will be fixed.
The other tw parameters era varied until the required nozzle Mach number is achieved. For the design
point contours the throat radius of curvature would normally be fixed at the minimm possible, deter-
mined by flexible plate stresses. This will give the shortest Si for that contour. For the off
design Mach nubers the arc length (SI ) would be selected to coincide with actuator spacings In such
a way that off-design Mach nuer flow quality is optimized.

The method of characteristics algorithm given by Zucrow (Reference 8) is used to solve the nozzle
flow field from nozzle throat to inflection point. The shortest nozzle will be that for which there is
no partial cancellation region. This will result in a discontinuity in curvature which in turn will
produce nozzle exit noo-uniformities when the flexible plate Is matched to the aerodynamic contour.
These non-uniformities may be within the specified flow quality and this could be a valid design
approach. For the case with no partial cancellation, the nozzle exit Nach number will be achieved on
the nozzle centre line at the end of the Initial expansion region. (Point b in Figure 1b). The spline
curve arc length and Inflection point angle - these two parameters are not Independent - are iterated
on until the design Mach nmber is achieved. At each Iteration the throat flow field and supersonic
flow field Is recalculated.

For the case where a region of partial cancellation is desired, the Mach number at point b will be
less than the nozzle exit Mach number, and the centre line Mach number will continue to increase until
point d is reached. In this case It Is the Mach number at point d which is iterated on in order to
determine the wall angle at the inflection point. The method of characterics solutton is carried
forward to characteristic cd every Iteration. The wall contour between points a and c is determined
from a specified rate of change of wall curvature. The rate of change of curvature for the spline
(throat to point a) is a constant and the rate of change of curvature for the partial cancellation
region Is specified as sow fraction of the curvature slope for the spline. The wall contour in this
region Is then calculated at each point where a characteristic Intercepts the wall by integrating the
specified curvature distribution.

The wall contour In the full cancellation region is then determined by carrying the method of
characteristics forward to the end of the nozzle and applying the equation of continuity to find the
wall coordinates.

This approach to the design of the aerodynamic contour will give a discontinuity in curvature
slope at the end of the partial cancellation region. The mthod also provides a high degree of
flexibility in specifying the throat to inflection point contour. For a fully flexible nozzle the
highest flow quality will be achieved if an actuator is attached to the plate at the point where the
curvature slope discontinuity occurs. Because of the flexibility in the design procedure it is
possible to achieve this for a family of contours that would be set using the sa flexible nozzle.

This design method has been developed with the design of fully flexible nozzles in mind, however,
the sam method could readily be used for the design of other types of nozzles. The use of Sauer's
solution for the transonic flow limits the throat radius for curvature to Rt/Yt >2.0. However, if
smaller radii of curvature are desired a higher order throat solution could readily be incorporated
into the design method (e.g. References 9 and 10).

3.2 Boundary Layer Growth

Once the inviscid aeronamic contour has been determined, It is necessary to determine the nozzle
boundary layer growth and correct the nozzle shape for the eflects of boundary layer growt . The most
coloon practice is to add I or 2 displacement thicknesses (A ) to the y coordinate. The addition of
26 compnsates for the boundary layer growth on the side walls of the nozzle and the contoured
walls. Correcting for the displacement effects of the boundary layer ensures that the design Mach
number Is achieved but does not necessarily ensure that the flow quality objectives are not comproised
by the effects of boundary layer growth.

Very few attempts have been made to develop a boundary layer correction procedure which ensures
that no additional flow disturbances are Introduced by the correction procedure. Using the displace-
sent thickness does not account for the manner in which the inviscid min flow interacts with the shear
layer. Tucker (Reference 11) derived a theoretical reflection thicknys (with man simplifying assump-
tions) but was unable to determine If this was superior to using A to correct the contour. This
particular aspect of nozzle design requires further Investigation.

.. ,The effect of the boundary layer correction procedure used is, however, likely very small, as the
correction should not change the aerodynamig contour curvature distribution significantly. It was
decided here to correct the contours using 2,

4. . . Lfoi
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3.3 Matching the Aeronmic Contour to the Flexible Plate

AIteg the flexible plate for a fully flexible nozzle will extend upstream post the nozzle
throat to fern part ef the comtractton that feeds the supersonic nozzle, it is only the supersonic
portion of the contour that will have a si ificant effect on nozzle exit flow quality. For throat
radif of curveture appropriate for fully fexible nozles, the shape of the sonic in will depend
primarily on the throat radius of curvature. All that Is required of the subsonic portion is that it
fairs Into the fixed contraction sd that the subsonic contour match the supersonic contour at the
throat. The subsonic contour should of course accelerate the flow smothly and not cause any flo
separations. Provided these criteria are achieved, changes In the subsonic contour will not affect the
supersonic flow field.

Therefore. In order to ensure good flow quality, It is preferable to use a matching procedure
Which only considers that part of the flexible nozzle between the throat and the nozzle exit. The
least-squares matching procedure described in Referoene S has ben extended to provide a mare optimized
match. This procedure Is an aelyticel procedure uhich minimizes, In the least squares sense, the
slope mismatch errors at all of the contour points determined during aerodynamic contour design.

The flexible plate Is approximated as a simple been with the actuators attached through pin
connections. It is assumed that the actuators act normal to the plate every ere and that moments are
only transmitted to the plato at the nozzle exit (i.e. a built-in end condition). Only the region from
Just upstream of the throat to the nozzle exit is Input into the matching process. After matching Is
coupleted. the subsonic actuators will be set so that a smooth contour results and the throat
curvatures and displacement determined during the match is maintained. The curvature distribution for
the plato will be piece-wise linear as a function of the arc length provided the change in plate angle
is small between attachment points and the pressure loads are negligible. The plate angle at any point
may be expressed as a function of the curvatures at the attachment point by integrating the as yet
unkonn piece-wise linear curvature distribution.

2(5 K S - 1 S/ K S - (de - dS -1 ) +K dS e 2

O(S) - K (S S1 ) + ( dS +dS 1 - (Si+1 - S)
2

/dS) 2 + + X. + T2 + O (2)

n-2

Some of the nomnclature used in the above equation is illustrated in Figure 3. Equation (2) may
be written for each of the discrete arc lengths determined for the aerodynamic contour. The right hand
side of equation (2) may then be set equal to the required well angles from the aerodynamic contour.
The attachment point locations (Si) have been specified, only the attachment point curvatures are
unknwns in equation (2). In practise there will be many more calculated points on the aerodynamic
contour than there are attachment points and therefore an overdetermlned set of equations will have
been formed.

Equation (2) may be written conveniently in matrix fore,

CC] x [K] - ER] (3)
NkPxNAP MAPx1 NWpx1

Where [I] [ a]e
NUP

This overdetermined set of equations may be solved in the least squares sense to minimize the
difference between the aerodynamic wall angles and the plate angles. The result is,[K(]- [6 8,3]' i ,, ()

Once the attachment point curvatures have been calculated It is a straightforward task to inte-
grate the plate curvature distribution to determine flexible plate coordinates.

The effect of pressure loads on the plate shape my also be Included In the least squares
optimization of plate shape. This is easily done If the pressure distribution is approximated as
plat gives the following expression for plate wall angle beten the i and 041 attachment points.

B(S) - KLS- S ) + 
(K

A(52d 2 )(S- )I2 O ) A) (S ±+S - $))L + A((s - SS)d + c1(s - S)
4 

+ 91 (5)
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In these equations Pi is the pressure at the attachent point locations determined from the
aerodynamic contour calculation. Combining equations (5) and (2), rearranging, and writing in matrix
form gives.

[C] x K] [R] - [AP] (6)

In this equation the AP matrix is knotn for the aerodynamic contour wall points and the coeffi-
cients of this matrix may be determined from equation (5). Equation (6) is identical to equation (3)
except that the right hand side has been modified by the effect of the pressure distribution. This
overdetermined set of equations my be solved In the least squares sense as described above.

t 4. EFFECT OF NOZZLE PARMETER VARIATION ON FLOWd QUALITY

The quality of a nozzle can be assessed by solving the flowfield for the finl nozzle shape. The

method used here to solve the nozzle flowflield is similar to the analysis used in design. Saer's
small perturbation solution is applied to start the method of charactrittics solution for the super-
sonic flow. Viscous effects could be included in the analysis by calculating the boundary layer for
the applied pressure field and inviscid low. The contour would be adjusted by the displacement
thickness and the inviscid flow determined for the new shape. The core solution and boundary layer
solution would be repeated until the solutions converge. However, this Is only a second order effect
comparable with other influences heretofore ignored (e.g. sidevall flow Interctions). Thus, all such
viscous-Inviscid flow interactions are not considered in the present analysis.

A design study was conducted using the design and analysis procedure described above In order to
evaluate the effects that varying such design parameters as nozzle length. number of actuators and
pressure loads ight have on test section flow quality. A Nach nmber of 1.4 was selected for the
design point for the nozzle. Aerodynamic contours were developed for the throat radii of curvature
given In Table 1. This table also shows the nozzle lengths that resulted from these choices of throat
curvature. The partial cancellation region was determined as described In Section 3.0. For all of
these contours the rate of change of curvature was kept constant from the nozzle throat to the end of

* the partial cancellation region. It would be possible to produce shorter nozzles by reducing or
eliminating the region of partial cancellation. However, particularly for the high throat curvature
nozzles, the reduction in length will be small and the match between aerodynamic contour and the
flexible plato will be worse.

TABLE 1: Aerodynamic Contour Lengths

Rt/X L/H

3.0 2.31
4.0 2.56
5.0 2.97

10.0 3.5
15.0 4.14
20.0 4.53
25.0 5.12

The curvature distributions for these contours are plotted in Figure 4 and the contours are
plotted In Figure 5. The extent of the partial cancellation region Is Indicated on the curvature plots
by the extent of linear curvature downstream of the inflection point. Note that for the short nozzle
the partial cancellation region is very short, yet there are no discontinuities in curvature. These
design contours were used to generate a number of different flexible nozzle designs for which actuator
placement and number were varied.

4.1 Effect of Nozzle Length

The efect of nozzle length on flow quality was examined by matching the aerodynamic contour to the
flexible plate using three actuators. These three actuators were placed at what was thought to be
optimm positions for each contour. These positions were at the nozzle throat, the end of the partial
cancellation region and mideay between the end of the partial cancellation region and the end of the
nozzle. In order to isolate effects, pressure loads were not Included in the matching or in the
analysis. Flow quality was estimated by calculating the standard deviation of the Mach number
distribution over the centre line of the test rhombus (see Figure 1b) using the predicted Mach number
distribution for the achieved plate shape.

The results of this analysis are shown in figure 6. As would be expected the Mach number
deviations decrease with increasing nozzle length. The plot also shows that the achievable Mach numer
deviations approach asymptotically a value of about a NO.0002. There Is little to be gained by
increasing nozzle lengths to more than 4.0 test section haff heights.

4.2 Effect of Number of Actuators

Nozzle lengths of L/H-2.56 and L/H-4.14 were selected for the purpose of examining the effect of
actuator nmber. The placement of actuators was determined by examining the curvature distributions
for the aeroonmic contour and choosing locations which would allow the piecewse linear curvature
distribution of the plate to best approximate the curvature distribution for the aerodynamic contour.
The placement of actuators used for the L/N-2.56 contour is smarfized in Figure 7.

The standard deviation of the test section Mach number distribution for these two contours are
plotted in Figure 8. This figure shows that even for the shortest nozzles high flow quality can be
achieved given sufficient control of flexible plate shape.

J,
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It Is also apparent that given a longer contour there Is little benefit to increasing the numberof actuators. This Is only true of course if there Is no pressure lod effect. Pressure lods way

require additional attachments in order to adequatly support the plat.

4.3 Effect of Pressure Loads

The effect of pressure loads for a given nozzle with a given actuator distribution my be combined
with plate stiffness into a single parameter. The matching process was used for a number of plate
stiffnesses and the pressure distribution generated during aerodynamic contour design. This would give
the optimam actuator extension for each condition. The results of the analysis are presented in
Figure 9.

It was found that an additional actuator should be placed between the nozzle throat and the end of
the partial cancellation region. Although these actuators were not required for the cases with no
pressure loads, it was found that the long unsupported span in this region gave unreasonable deflec-
tins when pressures were applied.

The different slopes for the long and short nozzles seen in Figure 9 are largely a function of
actuator spacing. The more closely actuators are positioned, the less will be the effect of changing
plate stiffness or pressure loads.

4.4 Optimuam Nozzle

The selection of an optimam configuration requires the consideration of flow quality achieved and
nozzle cost. For longer nozzles actuator spacing will be determined by the effect of pressure loads.
The number of actuators required to reduce pressure effects to tolerable levels could be far in excess
of that required to achieve a good match without air loads. The analytical study presented above shows
that the shortest nozzle with about six actuators should give the best compromise. Provided pressure
loads are not too high (e.g. h-0.8 m. t-.015 m. Po-3 bars) a .M of about 0.001, from matching
error, should be achievable.

The curvature distribution for the flexible plate and aerodynamic contours are compared for no
pressure loads in Figure 10 and matching errors are shown in Figure 11. The Mach number distribution
on test section centre line for this case is shown in Figure 12. The curvature comparison is repeated
for pressure loads corresponding to Po-6 bars, h-0.8 m, and t-0.015 m in Figure 13. A high pressure
loading has been used in this case to show more clearly the effect pressure loading has on the plate
curvature distribution.

The analysis used In this paper is an ideal inviscid, two dimensional analysis. There are many
factors not considered in the analysis which will affect the flow uniformity that can be achieved with
a given nozzle design. These factors will include:

* Actuator positioning accuracy
* Temperature differences causing elastic deformation of the structure
* Three dimensional flow effects
Distortion of the plate In the cross-stream direction (anticlastic deflection)

Some of these effects are very difficult or impossible to model mathematically. For a properly
designed facility, three dimensional flow effects on flow quality should be negligible cowpared with
the other factors. Except for testing at cryogenic temperatures, the temperature effects should also
be small. The effect of anticlastic deflection of the plate is very difficult to estimate and no
attapt Is made to do so here. This distortion can be minimized through proper mechanical design but
it could still have a significant impact on test section flow quality. Actuator positioning accuracy
Is amenable to analysis and will be considered in the next section.

The test of a model in the upper transonic speed range will in general be carried out using a
ventilated-wall transonic test section which is in tandem with a supersonic nozzle. These walls will
cause flow perturbations which are usually greater than those resulting from a well-designed nozzle.
Thus care should be taken when specifying flow uniformity requirements for a supersonic nozzle in the
upper transonic speed range -- in many cases the requirements can be relaxed, without adversely
affecting the flowfield In the vicinity of the model so that the cost of the nozzle Is not needlessly

*driven up.

5. ACTUATOR POSITIONING ACCURACY

The ability to position adjustable nozzle actuators with a high degree of accuracy is as important
in determining fneal nozzle exit flow quality as any other aspect of design or construction. Anestimate of positioning requirements maye obtained from small perturbation theory. Small changes Intest section Mach number can be relatd to small changes in -ill angle by the following equation:

M(I + i9 N
2
) 
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The top and bottom wall actuators for a flexible plate design will normally be linked togethermechniclly. Therefore the top and bottom wall actuators should produce the saw setting error.

For this case 22m(1 + Y. N2)

AM 2 (8)

The order of magnitude of change in wall angle at a given point resulting from miss-setting an
actuator can be estimated from the rotation of the chord line beteen two attachment points. This
together with equation (8) was used to generate Figure 14. In this figure ASi is the spacing between
actuators a AYI in the error in actuator setting. The implied tolerance on actuator setting
accuracy from this figure Is quite severe. For example for maximm deviations in test section Mach
numer of 0.001, N-1.4, *S1-400 m, an actuator setting accuracy of 0.1 is required.

Setting accuracies greater than 0.1 m are very difficult to achieve even for the most massive and
coplex design of actuator. An actuator spacing of 400 -m or less would e typical for a flexible
nozzle test section of 1.5 metres In height. Therefore a minim test section flow perturbation of the
order M0.001 can be expected, from actuator setting errors alone, for this size of facility. As a
given nozzle design Is scaled, the requirements for setting accuracy will scale as well and thus for
very large facilities actuator setting accuracy may not be a critical consideration.

As actuator spacing is decreased the effect of miss-setting actuators on nozzle exit flow non-
uniformities Increases. However decreased actuator spaci nggives Improved theoretical control of plate
shape and thus improved predicted flow quality. There will be som optimum spacing which maximizes
flow quality when all of the influences on flow quality are considered.

6. CONCLUSIONS

The techniques presented in this paper permit the design of relatively short adjustable nozzles
that give high flow quality. Through proper design it is possible to reduce test section flow
non-uniformities arising from design constraints to very low levels. For moderate pressure loadings,
values of #N of less than 0.001 should be achievable from the (theoretical) matching standpoint.

There are many potential sources of test section flow non-uniformities other than those inherent
In the design. These sources can generate flow disturbances Which are larger than the flow non-
uniformities that arise from the mismatching which always occurs between the aerodynamic design contour
and the design flexible plate contour. A dominant source of flow non-uniformity is the miss-setting of
nozzle jacks. An estimate of the effects of setting errors has been made and these are unlikely to be
smaller than AM-O.001.
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TRANSONIC WIND TIMIE, BOUNDARY INTU1ENCE
A ORRECTION PBOID

by

a. C. Crits
Aerodynamics and Propulsionm Laboratories

McDomell, Aircraft Co.
Box $10, St., Louis, Missouri

United States of America

I An ongoing effort to develop a transonic wind tunnel boundary correction Procedure in
reported. The goal Is a boundary correction procedure applicable to ventilated test
dsections from subsonic through transcnic Mach numers. "Boundary correction" is
distinguished from "wall correction". Boundary corrections contain wall corrections, but
also contain model support, and other tunnel dependent corrections. The approach taken
uses CUD (Computational Fluid Dynamics) with measured boundary conditions to provide
corrections at a few points in the test envelope. Conventional similarity principles and
regression techniques are used to extend these correcticns over the full test range. To
provide experimental data needed for developmeat and validation, a wind tunnel test
program was initiated. A set of four wing-body models mere built. Model aso was varied
while maintaining precise geometric similarity. The thkree smallest models were tested
from Mach 0.5 to 1.2 in a small (I ft. x 1 ft. cross-section) transonic tunnel.
Preliminary tasting of the two largest models was accomplished In a larger (4 ft. x 4 ft.

iTypical results of these tests are reviewed, and the need for additional experimental
effort identified. The computational effort is in progress. Status, interim results, and
future plans are discussed.

I- INTODUTIO

Z No generally accepted or proven method is available to correct transonic wind tunnel

I$

data for boundary interference effects. Bowever, recent advances in CU, computer
technology, and wind tuanl instrumentation, Imply that development of such a correction
method is a practical goal. Accordingly, considerable innovative research effort has
been expended by others to achieve this goal. No attempt will be made to detail the
status of these efforts. Overviews of current issues and approaches are given by
Kraft'. Newman', and Binions. Instead, a simplified discussion of the general
nature of wind tunnel boundary interference will be given as background to the
development effort discussed In the following sections.

Wind tunnel boundary corrections may be approached from two different points of

I4

view, First, the presence of the model causes a constriction in the tunnel, which alters
the local velocity. Therefore the forces on the model correspond to a different velocity
then indicated by the tunnel calibration. In addition, the presence of the walls distort
the natural streamline, development, changing the upwash. Therefore the forces on the
model correspond to a different angle-of-attack than Indicated in the tunnel. most
correction schemes approach the problem from this general perspective. They attempt to
find Mach number and angle-of-attack corrections.

For models of practical size in small ventilated transonic wind tunnels, interference
effects vary over the surf ace of the model. gtffective or avernge values most be used for
the Mach number and angle-of-attack corrections. Even though a Mach
number/anle-of-attack combination is found that gives the sea not forces as measured in
the wind tunnel, the detailed pressure distribution is different. This Implies a loss of
geometric similarity. That is, the corrections obtained are for a slightly different
aodel. for a wing in a strong interference field the effect is similar to a change in
camber. Since there is always some gradidat in the vicinity of the model, there is
always szom error in the correction. In many cames the error may be negligible, but in
other cases the correction scheme fails completely and the data is said too be
uncorrectable.

The other point of view focuses on the forces. At the test Mach number and anle of
attack, the tunnel boundaries cause distortions in the natural (free-flight) flow field.
Those distortions are reflected in the forces developed n the model. To correct the
data, it is necessary to estimate the incremdntal cage in forces that would result from
removing these distortions, I.e. simulating free, flight.

The benefit of the force correction approach is that, in principle, it inherently
accounts for interference gradients. Geometric similarity is maintained and there are no
uncorrectable oases In practice, the incremental hane ie imdl odels result frem en
incroemetal cl1gs in pressure distribution. Since boundary laer d0"0o2mat depends em
pretadf distribnutio, incremental agseos is forces cam alter the viscos effects. In
some oases the i nemm.t in baaeiery laye develepent may be negligible. In other cases
the ohage is boanid layer development ca t be ignored. Where interference effects
are strng, the correction procedre will avae to account for .iaocua effects on the
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Although the force correction approach poses a serious challenge in terms of modeling
incremental viscous effocts, we believe that it offers the greater potential for future
development. Furthermore, this approach my be necessary for the development of valid
corrections in small fixed wall tunnels with large interfewence gxadients. Therefore,
force correction is the orientation of the ourren work.

The tunnel walls are responsible for some, but not all of the interference. The
model support system, plenum bypass, and Mach control system can all contribute. The
model support introduces blockage like gradients in the vicinity of the model. The
plenum bypass and reentry control can also produce three-dimensional gradients in the
presence of a lifting model that are not seen during tunnel calibration. Finally,
depending on Mach control technique, the nodal can interfere with the tunnel calibration,
producing a bias error that is a function of the forces on the model. A general boundary
interference correction procedure should account for all significant contributions to the
deviation between free flight and wind tunnel test conditions.

As previously noted, such a correction procedure does not currently exist. However,
we believe that the needed theoretical, Computational, end experimental tools are
available, and that a sustained effort will result in such a correction procedure. The
following sections discuss our initial efforts toward this goal.

Our basic approach is illustrated in Figure 1. The upper left of this figure
represents the model mounted in the wind tunnel. Tunnel wall pressures are measured over
the full length of the test section. The forces on the model, L. are also recorded. The
far-field assumption is made; i.e. the pasou signature at the wall is insensitive fine
detail on the model. This permits considarable simplification in the mathematical
simulation of the model. The mathematical simulation of the tunnel includes a
significant length of noassle upstream of the teat section. the tet section with model
support hardware, and a significant length of diffuaer downstream of the test section.
This corresponds to the lower left of Figure 1.

The measured boundary conditions (on the walls) are imposed, and the forces on the
simulated model are computed. The computed lift and pitching moment are compared with
the measured values. If they do not agree reasonably well, the simulation of the jodel
is adjusted. When the calculated lift and pitching moment agree with measured values,
and the measured wall boundary conditions are duplicated, it is judged that the
simulation is a valid representation of conditions in the wind tunnel. The next step
(lower right of Figure 1) Is to run the same calculations with tunnel walls and model
support removed. The results correspond to the free-flight case. The incremental

difference between the solution in the tunnel and in free flight is applied as a
correction to the wind tunnel data. This approach is similar to that of Risk and
Murman4, except that they seek an incremental correction to Mach number and
angle-of-attack.

CFD methods alone are too costly to provide practical correction of all the data.
However, they can be used to provide solutions for a few points brecketing the test
range. Conventional similarity relations and regression methods can be used to transfer
these solutions to the rest of the test envelope. In this way, CYD is used to calibrate
the interference effects for a particular model/tunnel configuration. These calibrations
are combined into an interference correction data base. This date base includes model.
model support, and tunnel characteristics. It also includes selected wall pressure data.

It seems reasonable that the demand for CFD solutions will decrease as the data base
grows. Eventually the data base itself would suffice to provide interference corrections
for the vast majority of testing. CFO solutions would onlY be required when a model did
not match any of the configurations contained in the data base.

This point of view leads to a two phase development plan. As illustrated in Figure
2, Phase I is the development of the computational procedures needed to obtain boundary
interference corrections. Once corrected and uncorrected data are available in
sufficient quantity, a Phase II effort will be required to establish the corrections data
base., and the empirical methods to be used with it. Ultimately a given tunnel will be
able to apply this data base to obtain accurate boundary interference corrections during
normal data reduction with no significant loss of data throughput.

3. WIND TUNIEL TESTE

Regardless of the computational scheme, measured boundary conditions are required.
Furthermore, experimental verification of the Computed Corrections are essential before
such corrections can be applied with Confideace. Therefore an extensive experimental
effort was required before the Computational develogment could progress.

The procedure used to obtain experimental boundary interference data is illustrated
is figure 3. If geometrically sialar models .i different scale are tested In the am,
tuanel * the boundary interference effects will cause a lack of Correlation to the
aerodyamic force and moment data. A model with a bMehMe of 0.5% is expeeted to ave.
very small - perbaps lnsilwifioant - I oter1fessme. A model with a blooka" of 1.5* is
typieal of the model sie often need I& mall toascaic tmnels. A model with 3.0%

T ,, *," bloek&e is especte to oh large latf aromeo effect. Aar procedure sho adequately
correets for those latorfewemoe eff et ahould Cellapee the date.
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Collapsing the data from a net of geometrically similar models verifies that the
method corrects the data to a comon flow condition. It does not prove that this flow
condition corresponds to free flight. A facility dependent common bias could still be
present in the data. A much stronger verification of validity would be obtained by
running a set of similar models in at least two wind tunnels that are of different size,
and use different Mach control methods.

A series of wind tunnel tests were planned. The objective was to obtain data needed
to facilitate the Phase I development, and to provide experimental verification of
computed corrections. Tests were scheduled in the TWT (Trisonic Wind Tunnel) and the
PSW (Polysonic Wind Tunnel) - McDonnell Aircraft Company facilities.

The TNT transonic test section is 36 inches long and has a cross section of 12 x 12
inches. The walls are 22.5 % porous with normal holes of 0.125 in. diameter and a
thickness of 0.125 inches. Model pitch motion is provided by a parallelogram strut
arrangement located in the diffuser inlet.

The PSWT transonic test section is 108 in. in length. It has a 48 x 48 in. cross
section. The walls in this facility are also 22.5 S porous. This porosity is attained
with .375 in. diameter holes which are normal to the surface. The wall is 0.75 in.
thick. Model pitch motion is provided by a hydraulically driven sector system.

Both facilities are blowdown to atmosphere type. Run time is limited by available
air storage. In the smaller facility, TWT, it can be extended to 20 minutes. In the
PSW, run time is usually limited to 1 minute or less (depending on Mach number and
operational mode).

These two facilities provide an adequate test of the correction procedure. The P8WT
is 16 times larger than the TWT in cross sectional area. Also, the operational modes are
considerably different. The TNT has a passive plenum. Mach number is controlled by
varying the area of the second throat. In the P8WT, the area of the second throat is not
changed during a run. Mach number is controlled by varying auction on the plenum. The
differences are mrele enough to allow an investigation of the ffect of operational mode
on boundary interference.

3. 1 TWT TET - HARDARE

Initial tests were conducted in the smller, more economical, TN facility. A set of

three simple wing-body mels were fabricated for the TWT test. Figure 4 is a sketch of
these models showing the relative smis. These sises were chosen to produce about 0.5%,
1.5 . and 3,08 blockage in the TV?. All models have cylindrical fuselages and conical
noses. The wings are simple flat plates with biconvex leading and trailing edges.
Leading edge sweep is 30 degrees and trailing edges are straight for all models. Every
effort was made to insure that precise geometric similarity was maintained between
models.

To measure the flow boundary, a set of 12 static pressure rails were fabricated. The
design of these rails is shown in Figure 5. The pressure taps are located outside the
wall boundary layer. The rails extend the full length of the test section (38 inches),
and have 24 taps per rail. In the vicinity of the model the tap spacing is 1.0 inch. At
the front and rear of the test section the spacing increases so that pressure is measured
within 1.0 inch of the entrance and the exit of the test section. The upstream ends of
the rails are tapered to provide a gradual increase in rail blockage. As shown in Figure
6, three rails wre installed on each of the four test section walls. To remove rail
blockage effects, the wind tunnel was rocalibrated with the rails in place.

3.2 TNT TEST - TYPICAL RStULTA

The TWT test was conducted at Mach numbers of 0.5, 0.6, 0.7, 0.8, 0.9, 1.1, and 1.2.
At each of these Mach numbers baseline data were taken with the tunnel empty. Recorded
data included pressures from the 12 static rails. 12 model surface pressures, model base
and cavity pressures, 16 plenum pressures, and the force and moment data.

figure 7 is a photograph of the installation of the smallest model (tunnel open).

figure 8 is a photograph of the same model with the tunnel closed. Note the 12 static
pressure rails used to measure the boundary pressure in the test section. Wall pressure
signatures were found to be very repeatable. Figure 9 is a direct comparison of
unsmoothed ceiling pressures for two different runs. This kind of repeatability is
typical of all the rails. The run to run repeatability in pressure coefficient varied
from about .0015 to .0002, depending on how well Mach number and angle-of-attack were
repeated.

figure 10 is a plot of the ceiling coenterline pressure distribution for all three
models. The rails clearly resolve the difference in pressure signature imposed by the
different models. Similar differences are seen in the side wall and floor data. It is
interesting that even the smallest model (0.5 blockage) is detected by the rail
pressures.

Fig e 11 is a comparison of centerline floor and ceiling Pressure distribution. In
the test section inlet, both floor and ceiling reflect freestream pressure. The presence
of the model Is clearly seen at about 8 inches into the test section. Both floor and
ceiling show increasing pressure coefficients. At 14 inches, the floor and ceiling

pf~
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pressures are still equal, but the level has increased significantly. Moving back over

the model, the ceiling pressure drops due to lift induced circulation.

Blockage pffects produce pressure perturbations of the same sign on the floor and
coiling. Circulation produces perturbations of opposite sign. Therefore blockage and
circulation effects can be separated by looking at the sum and difference of the floor
and ceiling rail data. This is illustrated in Figure 12 for the medium sized model (1.5%
blockage) at Mach 0.7. The top figure is for an angle-of-attack of 0 degrees
(insignificant lift), and the bottom figure in for 8 degrees angle-of-attack. The sum
(floor + ceiling), which is driven by blockage, clearly reveals the presence of the model
in either case. At 6 degrees, the excursions are slightly higher, otherwise the pattern
is unchanged by pitching the model. The difference (floor - ceiling), which is driven by
lift, is negligible at 0 degrees, but very pronounced at 8 degrees. The rail pressures
(in addition to the measured forces and a suitable wall flow model) implicitly define the
flow in the tunnel.

The rail data showed a surprising two-dimensionality. Typical results are shown in
figure 13. Each plot in the figure shows the distribution of pressure around a sectional
cut through the test section. The darkened symbol marks the north ceiling rail. Moving
to the right (increasing distance from the north wall) the next data point is the ceiling
centerline rail. Continuing to the right, is the south ceiling rail, Next comes the
three south wall rails (top to bottom). The plot then moves back to the left (toward the
north wall), the symbols marking the floor rails. The sectional cut is completed st the
extreme left of the plot with the north wall rails (bottom to top). In other words, each
plot corresponds to the pressure across the ceiling, down the south wall, back across the
floor and up the north wall.

At 5.0 inches into the test section the pressure is uniform on all four walls.
Moving downstream, the blockage effect causes a uniform pressure rise. The sectional cut
at 14 inches shows this condition. By 18 inches the circulation effect is felt and the
ceiling pressure begins to fall. By 23 inches (which is close to the location of the
effective center of pressure for the model wing) the effect is maximum. The circulation
effect continues throughout the remainder of the test section. At 35 inches the pattern
becomes distorted due to the presence of the strut, and the approaching expansion into
the diffuser.

This relatively well behaved nearly two-dimensional pressure boundary is
characteristic of all models so long as the shook waves do not reach the wall. Figure 14
shows the pressure boundary at 23 inches for the small model (0.5% blockage, 0.27 span to
tunnel width ratio). The bounded area of the curve is less because of smaller lift, but
otherwise it resembles the biggest model (3.0% blockage, 0.6 span to tunnel width
ratio). The degree of similarity in wall pressure signature for different sized models
supports the far-field assumption.

When shocks are present at the wall, this well behaved pressure boundary no longer
exists. Figure 15 shows the pressure boundary at two locations in the test section only
3 inches apart. The boundary changes in a distinctly three-dimensional fashion in that 3
inches. So long as shock waves do not reach the wall, the 12 rails with pressure taps on
1.0 inch centers provide adequate measurement density. When shocks are present, a closer
measurement interval may be desirable.

The nature of the boundary pressures above Mach 1.0 is further illustrated in Figures
16 and 17. Figure 16 shows the ceiling centerline pressure distribution for all three
models. When allowance for the different model lengths is made, a high degree of
similarity is revealed. Figure 17 is a plot of all three ceiling rails for the 0.5%
blockage model: The abrupt discontinuous nature of these wall signatures will introduce
severe demands on the simulation of the tunnel boundary.

3.3 PSWr TEST - HAj DWAR

The largest of the TWT models was reamed to fit a 1.5 inch internal balance, and
became the smallest model for the PSWT set. A larger model of the same geometric family
was fabricated for use in the PSW. It's size was limited by maximum balance load
capacity to 1.8% blockage. A sting sleeve was fabricated to maintain the same model base
to sting area ratio as the small model. Figure 18 is a photograph of the PSW? model with
sting sleeve installed. This model has a wing span of 21.6 inches and a length of 33.75
inches.

The 12 static rails used in the TWT proved very effective for measuring the pressure
boundary. However, a dozen rails standing above the boundary layer is undesirable for
regular testing. Therefore we decided to investigate a less intrusive scheme for
measuring the wall pressure data. A set of 4 static rails were installed - one on the
centerline of each wall. Pressure taps were located 1.125 inches above the wall. This
is less than a fourth of the mean boundary layer thickness. The additional blockage is
negligible. Since the ocuputational work in progress assumes symmetry about the X-Z
plane (below Mach 1.0). it was decided to add additional pressure instrumentation to the
south half of the test section.

This was done by inserting rows of corks into the holes in the porous wall (parallel
to the rails), and adding a pressure tap to each cork. As shown in Figure 19, 4 rows of
cork taps were added such that the south half of the tunnel was instrumented in a similar

fashion to the TWff. In addition, not shown in the figure, 4 rings of cork tapa were
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added in the vicinity of the model. Each ring consisted of 16 pressure taps running from
the ceiling rail to the south wall, down the wall and back to the floor rail.

3.4 PSWT PRMINARLY 'TESY inflLYR

Preliminary testing indicated that this inatrumentation schem was inadequate.
Spatial resolution was acceptable for the south half of the tunnel but excessive scatter
was present in the wall data. Apparently the aurface pressure at the wall is subject to
edge tones and other turbulent local effects caused by flow through the holes. Although
data acquisition tine satisfied the criteria of Nuhlstein and Coos for model pressures.
it failed to do so for wall pressures.

Improved boundary instrumentation concepts are currently being studied. It may be
possible to reduce local turbulence at flush mounted wall taps by blocking adjacent holes
in the porous wall. Extended sampling periods and enhanced digital filtering methods are
also being investigated. When the wall pressures can be measured with the required
precision, the interference testing will begin. As previously discussed, high quality
data from at least two different tunnels are essential for the development and
verification of the correction procedure.

4-COMMATI OAL DVIVEOI

The degree of computational sophistication required to accurately describe the flow
depends upon the flow conditions. Cost may increase exponentially with the degree of
sophistication. Thereto"e it In important to use the least sophisticated methods
consistent with accuracy requirements.

As pointed out by Newman and Kemp', when comparing 2-D and 3-D flows, there is a
transonic relief effect in 3-D flow which compresses the Mach range of nonlinear
effects. Ashill? assumes that the transformed small perturbation equation governs in
the far field until local sonic flow reaches the walls. It seems likely, however, that
once strong transonic flow is established over the model, more sophisticated methods will
be needed.

Very near Mach 1.0 it will be necessary to use a more sophisticated approach.
Vatsas describes an interesting explicit multistage Runge-Kutta approach to solve the
3-D TLNS (Thin-Layer Navier-Stokes) equations. It might be thought that this method, or
one like it, could be used to compute the wind tunnel boundary interference corrections
for the strongly transonic cases. Such an extension would be a formidable task.

Vatea used a computational mesh with over 400,000 grid points to compute the flow
over half a wing (X-Z symmetry). In a highly optimized and vectorised form it took 3000
iterations to converge. On the NASA/Langley VPS-32 computer system it took about 1.6 x
10- CPU seconds par grid point per iteration, or over 5 hours of computer time. The
TWT test results indicate that a rough value of about 3.300,000 grid points would be
required for boundary interference calculations. At the same convergence rate, it is
estimated that it would take over of 90 hours of CPU time per correction point - not
really a viable option. This does not decrease the value of the advances in CIFD made by
Vatsa and others. It simply points out that with existing computer systems we are
strongly motivated to seek alternate approaches.

Hounjet reports that these considerations prompted an investigation into integral
equation methods. This investigation led to the development of a transonic
shock-capturing panel code. Panel codes are very economical compared to 3-D FPM
soiutions. but 'they are inviscid. It may be possible to combine a shock-capturing panel
method with a boundary layer solver. AltatattlO reports the experimental verification
of a boundary layer code that is applicable to a flow with shock wave/boundary layerinteraction of the type occurring on airfoils in transonic flow. It may also be possible
to oake corrections to the surface pressures for nonlinearity and vorticity.
Dillenius11 reports such corrections applied to panel method studies in missile
aerodynamics. This development would also be formidable, but offers the possibility of
obtaining 3-D solutions with current computer technology at reasonable cost.

4 PANEL W=NO APPNOAO

We elected to begin our computational effort in that portion of the Mach range
limited to subrttionl flow. In this range the linearised theory should be valid for

typical models at small angle-of-attack (no massive separation). The choice of methods
under these conditions is relatively easy. Panel methods are easy to apply and have
recently been used for simulating wind tunnels.l.l$.1

4  Str~ng, in a comparison of
four well known and proven panel codes. found HCARRO to be very robust, and less costly
to run then the other higher order code being considered (PAN AIR). Therefore MCAUD was
selected as the computational tool for the subsonic range.

Figure 20 shows typical paneling of the TNT tunnel with the 3% blockage nodal
installed. Paneling density has been reduced, wakes removed, and nozzle and diffuser
sections omitted for clarity. Figure 21 shows the free flight case - the same model with
the walls and model support removed. Again, wakes have been removed for clarity.
Boundary conditions are those for free flight. The differences in the computed force
coefficients represent the desired interference correction.

.,.',, '** -
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4-2 WALL FLOW MODEL

There is no problem in generating free flight solutions with MCAERO. Figure 22
illustrates both the fidelity of the panel method and the nature of the boundary
interference in the the TWT facility. The data curve is centerline floor and ceiling
rail data. The HCAI O curve is the computed pressure distribution in free flight at the
position of the rails. The difference between these two curves is the result of
interference.

Generating tunnel solutions with MOAXRO can be a problem. Wall pressures are
measured. However, HCASNO requires normal velocity as a boundary condition. Obtaining
normal velocity components from pressure measured at s single elevation above the wall is
not a well posed problem. If the wall pressures were measured with static pipes, as
suggested by Wenni's the problem might be reduced, or even removed for subsonic flows.

In order to generate appropriate boundary conditions additional information is
needed. The problem is illustrated in Figure 23. Wall pressure distributions are
measured. A wall flow model is assumed. This model relates the pressure drop across the
wall to the mass flow through the wall, and to the normal velocity distribution at the
boundary layer edge (or flow angle). Using this normal velocity distribution, a
computational run is made. If the computed forces on the model do not match the measured
forces in the tunnel, then the simulation of the model must be trimmed. and another run
in made. When the forces do match, then the computed pressures at the rails are compared
to the measured pressures. If these don't match. then the assumed wall flow model is
corrected, and the process repeated. The wall flow model is adjusted iteratively until
the computed pressure distribution matches the measured distribution. Each change in
wall flow model changes the computed model forces. The problem is doubly iterative.

There are a number of ways of expediting the selection of a wall flow model and
dramatically speeding up the convergence rate. The key to this is realising that the
wall flow is a highly nonlinear viscous phenomena. JacookslT determined the
relationship between flow angle and wall mas flow for 60 degree slanted holes in the
presence of typical pressure gradients expected in the wind tunnel. Erickson's derived
a model for boundary layer development on a porous wall, and computed flow angle versus
wall cross flow. Chan's obtained a relationship between flow angle and wall flow for a
20.5% porous wall with 0.5 inch diameter holes. IngerS0 used an integral method to
derive a relationship for the growth of laminar displacement thickness in the presence of
blowing. Flow angle versus normal flow can be deduced from his results.

The independent results of Jacoks, Erickson, Chan, and Inger are shown in Figure
24. There are several conclusions that can be drawn from these results. First, when
there is no flow through the wall there is a small positive flow angle. This corresponds
to the growth of the boundary layer displacement thickness with no cross flow (equivalent
to a solid wall). For suction (Vw/Uo < 0) the flow angle is directly proportional to
wall flow. For blowing (Vw/Vs > 0) the flow angle increases much more rapidly than
the wall flow. This fluid dynamic amplification effect is due to the accelerated growth
of the displacement thickness in the presence of blowing. The fact that the implied wall
characteristics from such diverse aPproaches agree as well as they do, implies the
existence of a very robust relationship between wall flow and flow angle (or normal
velocity at the edge of the boundary layer).

This relationship can be expressed as a polynomial in wall flow. Furthermore. the
actual wall flow is proportional to the square root of the pressure drop across the
wall. For a passive plenum, such as the TWT. the plenum pressure is very uniform and can
be::sumed constant. Wall flow is then inversely proportional to the square root of the
pressre coefficient.

In this case required boundary condition can be expressed as a polynomial in the
square root of the pressure coefficient. The coefficients of this polynomial can be
empirically determined on a wall by wall basis. For tunnels with active plenum pumping,
such as the PSWT, the wall characteristic must be determined at several stations. This
is necessary because the active pumping creates significant pressure gradients in the
plenum. The calibration of the wall flow relationship is time consuming and requires
considerable experimental effort. However, the wall characteristic is governed by local
flow phenomena and does not have to be repeated for each new wind tunnel model.

An interesting alternate approach to the whole problem avoids the neceaity of
dealing with the wall flow. This approach is based on the concept that a stream tube
exists Just above the boundary layer which (for given starting conditions) is implicit in
the pressure data. Since the local velocity is everywhere tangent (by definition) to
this stream tube, a solid boundary can be substituted for the stream tube. Instead of
computing wall flow and flow angle, the problem now is to deform the stream tube boundary
so that the computed wall pressures match the measured pressures. This can be done by
calculating the derivatives of the perturbation potential with respect to geometric
changes and using an inverse technique to solve for the geometry that generates the
specified pressure distribution.

This approach allows excellent replication of the measured wall pressures. However,
the previous approach has distinct advantages. For one, it will detect the occurrence ofmassive separation or error in simulation of the model geometzy. Once major separations

occur, the pressure field generated by the simulation (even after adjustment to obtain
the correct lift) will not match the computed wall pressures. This is a signal that

, 44
i II il lW . l i !!



15-7

something is wrong. If the "stream tube" approach is used, a solution will be forced -
an erroneous one. In this regard we feel that no solution is better than the wrong
solution.

Another advantage is that the wall flow approach allows the possibility of extending
the range of application to high angle-of-attack, or the testing of bluff bodies with
masaive separation. If the wall flows can be calculated with confidence fro, the
measured wall pressures, then the deviation between computed and measured wall pressure
Is due to error in simulating the model. Since flow angle is determined from the wall
flow, and pressure is measured. two parameters are known at the computational interface.
As discussed by Lo"l, under these conditions it is possible to compute the effective~shape of the model. Lo's work was 2-D. but in principle an inverse technique could be

developed to yield incremental modification of the model and wake geometry to obtain an
equivalent body which produces both the correct forces and the correct pressure field.

Reardless of the method used to set the wall boundary condition, it is essential
that the process be approached with great attention to detail. Figure 26 shows the
deviation between computed and measured coiling pressure when continuity of mess is
violated. The integration of transformed normal velocity over all wall panels did not
equal sero. Figure 26 demonstrates the accuracy that can be achieved when the boundary
conditions are correct.

4.2 LIFT CORRECTION

Figure 27 shows the lack of correlation between the three similar models in the TWT.
As expected, the larger models (stronger interference) show depressed lift curve slopes.
There is a significant deviation between the 0.5% model and the 1.5% model. We expected
to see at least the same or larger increment between the 1. 5% model and the 3.0 model.
As seen in the Figure this did not happen. The 3.0 X model did show an increase in
interference. but the increment was much smaller. As the model size increases, the
interference increment decreases. It is as if the porous wall produces a relief effect.

Computed lift corrections seem to confirm the effect. Figure 28 is typical of the
results obtained. The 0.5% model lift is changed very little. The 1.5% model data seems
to be over-corrected somewhat. The 3% data is brought into fairly good agreement with
the 0.5% data. These corrections account for small changes in the tunnel calibration
caused by the model, but they do not account for boundary layer growth on the model.
This is believed to be responsible for some of the deviation remaining. As a result. our
current effort is toward coupling MCA]RO to a Proper boundary layer solver.

5. CONCLUSION

The experimental data verifies that -

1. The pressure perturbations at the wall are highly repeatable.

2. Different models impose distinguishable pressure signatures at the wall.

3. The far field assumption is valid. Imposed perturbations are nensitive to
reference area, blockage, etc., but not to fine detail on the model.

4. The effects of boundary interference on the three models are clearly
distinguishable in the model force and moment data.

5. Below Mach 1.0, the wall pressure perturbations show a high degree of
two-dimensionality. This two-dimensionality is lost between Mach 1.0 and 1.2.

The computational effort indicates that -

1. Force correction, as opposed to Mach number and angle-of-attack correction,
is a valid approach with potential advantages for application to small fixed
wall tunnels.

2. Boundary interference corrections should include not only wall effects, but
also model support effects. It should also account for the interference of the
model on the tunnel - subtle changes in tunnel calibration due to the presence
of the model.

3. For subcritical Mach numbers, proven panel methods are an excellent
computational vehicle for simulating the wind tunnel and computing interference
effects.

4. Developing an accurate wall flow model is essential for proper treatment of
the wall boundary conditions.

Future plans call for additional wind tunnel testing and a continuous development 4
effort. There appears to be no major obstacle to bringing these methods to operational
status for suboritical Mach numbers. Extension into weak transonic flow is promising.
We plan to investigate various alternative computational approaches, including corrected
transonic panel methods. Development of suitable computational methods will be the
pacing task for extension of these correction procedures into high transonic flow.

_ _.._ _ _ _ _.__ _ _ _.__ _ _ _ _ _ _ _
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The coatining development of computer codes and power means that computational fluid dynmic methods can
mow be used, in conjunction with experimental techniques, to provide a sore thorough understanding of
measured flow phenoma. This paper demostrates the use of various programs to evaluate the manitude
of the interference due to model support and flow measurement installations mod to guide the design of an
acoustic liner for the AA Transonic Wind Tunnel. Various simplifications are necessary to permit the

representation of the complex geometry within the conatraints impoeed by the program, and hence, care is
neded in using the computed results. Within this limitation, the methods cm provide a valuable aid to
the interpretation of experimntal results and to guide the design of wind tunnel installations. The
paper describes calculatioss using various theoretical methods, carried out in support of tests on five
different wind tunnel installations.

CD  Configuration dreag coefficient
C Pressure coefficient
d 

p  
Incremental pressure coefficient due to rig interference

d Acoustic liner depth
N Free stream Mach number

ML Local Mach number
Maximum Mach number measured on the tunnel centreline in the throat of the acoustic liner

340 Moh number on the tunnel oentreline measured at tunnel station I 340 in
AN Incremental Mach number due to rig interference
I Axial distance alone the tunnel
T Spanwise distance from the tunnel centreline
a Incidence angle of onset flow
a Sideslip anle of onset flow

I Introduction

Development of computer based calculation methods has now reached a stage where their integration with
wind tunnel based experimental techniques has become very important. It is unlikely that the theoretical
methods will become sufficiently reliable to supersede the wind tunnel in the foreseeable future,
particularly for a complex configuration such as a fully laden military aircraft where the grids
necessary to define the fully separated flow around installations such as a multiple store carrier or an
array of vortex generators defy imagination. Equally, it would be foolish to assume that experimental
results cannot benefit from the application of computational techniques, even for configurations where
the complexity of geometry requires gross simplifications to be made.

In order to carry out any computational fluid dynamic calculations, it is necessary to make a variety of
assumptions. Implicit in any existing computational method are a number of approximations to the
tie-dependent Xavier-Stokes equations so that they can be solved numerically. In addition, the geometry
of the configurations mst be represented in a numerically precise manner in order to provide a surface
boundary condition, which is then satisfied at a number of discrete points. When applied to wind tunnel
installations, assumptions must be made about the far field conditions which will generally not be
precisely defined. Hwver, in apite of these assumptions, it is possibla to ake use of the
computational methods to guide the interpretation of experimental results.

The purpose of this paper is to describe a rmnge of applications in which theoretical methods have been
used to enhance the experimental results in an attempt to reduce the magnitude of the experimental error.
Inevitably, this requires the ue of either computationally 'simple' methods applied to complex
configurations, or more complex methods applied to geometrically simple representations of the problem.
The methods used will be described briefly, with particular reference to their limitations for the
required applications. Five wind tunnel installations will then be ooneidered, indicating some of the
bemfits which can be obtained from the use of computational fluid dynamic methods.

I Descrimtioa of the Theoretical Method Used

?be computatioal methods currently available and under development can he divided into two broad
categories. Firstly, there are methods which are &imed at particular problems which consequently have
geometry specifications appropriate to the configuration under consideration. These use state of the art
solutions of the more precise approximations to the Navier-Stokes equations, with configuration specific
grids. Ixamples of them ae the w1meboedy/pyloaa/nealle cods of For.ay, the nglfusalagm/fin and
tallplme method of Baker and Jamesun

3 
and the Eultiblook technique of Weatherill at al, applicable to

complex aircraft geometries. The second group of methods is capable of handling sore #ameral complex
°0ofien.ions, for which it is only nseessa to defie the surface geoatry. These isolude the panel
mtods', . d their transonic development, the field imtegral mthodse. These progrm solve the
simplor aftreximatioss to the flow equations, but have the advatage of being able to represent a variety

A of oamle, mutumlly interfering ompommts without the meed to resort to extensive grid developmst for_..
eahapolicatiom.

:tt
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When considering the application of theoretical methods to wind tunnel rig interference calculations, the
Panel methods can be more readily applied to the complex configurations under consideration. However, it
is occasionally possible to simplify the problem so that the more advanced methods can be used to
consider a particular aspect in detail. Theme applications, requiring gross assumptions which apply the
methods well beyond their normal limits, can nevertheless provide valuable guidance in the assessment of
wind tunnel installations. It is therefore worth describing here the progras which have been used, and
their various limitations:

SPARV
4 

(Source Patch and Ring Vortex). This is s panel method developed at BAe (Brough), applicable to
subcritical flow, but using a compressibility correction to extend the method up to high subsonic
speeds. In fact, we carry out calculations for cases where small regions of supercritical flow are
present, accepting the fact that the flow will be computed incorrectly, but using the results to
indicate areas which require careful consideration. A large number of mutually interfering
coaponents can be represented by source or doublet distributions at the ceatroids of the panels.
This implies that the boundary conditions are only applied for these specific points and
consequently, one must ensure an accurate representation of the geometry to avoid leakage through the
surface. However, this must be balanced by the limited number of panels which are permitted by
computer run times and disc storage. We find that 2000 panels are adequate for most calculations,
particularly when it is possible to use the symmetry of the configuration to halve the number of
panels required. On occasions, it may be necesary to simplify the geometry under consideration. In
fact, it would not be reasonable to represent configurations precisely where one would expect areas
of separated flow. In these cases, a simplified geometry will provide a more accurate representation
of the external flow. Although the program has a viscous option, this is unlikely to provide a
reliable solution for this class of configuration, and the simplified geometry is normally defined by
an experienced user of the method.

ARA Solid Body Programs. Two programs are considered for configurations which can be represented by a
single solid body. A method due to Baker

7 
solves the Full Potential Equation for axisymsetric

shapes. Obviously, this has a limited application, but has proved useful and does permit the
definition of discontinuities with a closely defined grid in the region of the discontinuity, which
proved valuable for one of the applications I shall be describing. A generalised solid body program
due to Weatherill and Shaw

9
, solves the Euler equations for a 3D body set at incidence and sideslip.

This permits calculations with moderate supersonic onset Mach numbers, but it can prove difficult to
specify a grid for a configuration, particularly in regions of discontinuities where the surface
fitting techniques can introduce unsmoothness in the geometry specification, with consequent
unsoothness in the pressure distributions. In fact, one must be particularly careful to ensure a
fully converged solution with Euler methods, which seem to be prone to computing unsteady pressures
in regions of where the geometry appears to be accurately specified.

ARA Cowl Program
9
. This method solves the Full Potential Equation for generalised inlet shapes. In its

present application, it has been used to design the lip of an acoustic liner for the ARA Transonic
Wind Tunnel. Obviously, this did not permit the representation of the adjacent tunnel wall, but this
could be allowed for to some extent by using the mass flow ratio in the calculation to define the
upstream stream tube capture area.

Apart from the codes specified here, there are a variety of methods in use for comparison with the
experimental results. To some extent, it is the steady improvement in these codes which drives the
demand for increasing experimental accuracy and, on some occasions, highlights the need for more careful
experimental techniques. One method which appears to offer prospects for future assessment of wind
tunnel data, notably from the point of view of wind tunnel interference, is the Multiblock approach

3 
in

which the field grid is broken down into a large number of blocks. Obviously, this would permit the
representation of the wind tunnel wall as an outer boundary, with an imposed boundary condition to match
measured wall conditions, whilst readily permitting an extension to free stream conditions for a direct
calculation of the flow without interference. However, although this method already exists as a working
tool, it requires development to create the appropriate topologies for wind tunnel applications, and at
present, remains one of the methods against which wind tunnel results are compared.

Having mentioned some of the problems involved in using the theoretical methods, one must emphasise the
attractions of the methods. Primarily, they permit detailed analysis of the complete flow field without
the need for intrusive instrumentation. Secondly, they permit the assessment of small changes to the
configuration without the need for design, manufacture and further testing with the inevitable expense
and increased timescale which this involves.

3 Application of Theoretical Methods to Wind Tunnel Investigations

In order to demonstrate some of the applications of theoretical methods, a series of five examples will
be described here. The aim here is not to describe the results in detail, but rather to show how the
methods are used in an attempt to enhance the understanding of the wind tunenl results. Obviously,
before we can use any of these methods with confidence, it is necessary to demonstrate the reliability of
the calculations. This is developed by computing results for existing configurations, particularly those
which appear anomalous, to give a sounder understanding of the flow mesurements. Although there will
not always be a precise comparison between theory and experiment, we can establish a level of confidence
in the methods so that they can be integrated into test requirements where measured data are not
available.

3.1 Isolated Nacelle Big

The ARA isolated nacelle rig
1 0

, shown in Fig 1, is used to measure the internal performance and spillage
dr g of emgine inlet cowls for subsonic transport aircraft. Internal mass flow is controlled by
independent suotion and the flow quality is measured at the engine face using rakes. Externally, cowl
surface pressures are measured and the spillage drag is obtained from the momentum lose measured by an
array of S pitot/static rakes which rotate through 36'. The full 160' field, is obtained by assuming
symetry in the vertical plane. Corrections to the measured data were developed during the commissioning

7 -
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of the rig by comsrisna with a maller scale (0.31 blokage) installation. However, during the coure

of s"me production tasting in 1983, a mingle cowl ams tested with the standard aa drag rake and with a
12 am rake, evenind at the crest of the cowl, intended to measure the forebody drg aloes. The results
frm this o misne ehowud a lage discrepancy between the forebody pressure distributions measured on
the two onefiguratimns (Fig 2), Indicating a significant inonsistecy between the two tests. Full
details. of the extensive experimental and theoretical investigation have been presented by Carter and
airt

IT . 
For present purposes, it is sufficient to consider the contribution of the theoretical methods

to the calculation of the interference due to the nacelle rig.

For these calculations, the SPABY method was used to represent the model support strut, the drag rake
swum, the boundary layer rakes sad the centre body, using a total of 1460 panels. No attempt we made to
model the inlet; instead, the centre body m extended forward as a parallel body so that disturbances in
the vicinity of the cowl could be attributed directly to the interference from the rig. Similarly, no
attempt could be made to allow for the tamnel sells which have 221 open area perforations, since theme
could not be adequately allowed for in these calculations. Consequently, it is not possible to compute
model blockage using this method. The SFANV panelling of this configuration is shown in Fig 3, with
the computed body surface Mach numbers shoe in Fig 4. It is apparent that the 12 am rake has such a
large effet on the forebody Mack anbers, both in terns of a deficit and a gradient along the surface,
that the results can be considered uncorrectable. The standard S are rake has a maller, but still
significant effect on the surface Mach nunbers and even the taper of the centre body without rakes
results in a Mach number reduction of the order 0.003,, with an associated gradient in the vicinity of
the cowl.

The effect of the drag rakes on the Mach number in the planes of the rake measurement is shown as a
computed distribution in Pig 5, with the associated distribution in local Mach number along the rake are
in Pig S. The comparison with the experimentally measured values shown here lends some confidence to the
calculations, although there is a euggetion that the actual effects may be slightly greater than the
values calculated, particularly near the surface of the body.

3.2 Isolated Store Drag

The ARA store drag rig (Fig 7) is used to measure the 'isolated' drag of detailed representations of
externally carried stores, providing a data bank of drag measurements as a basis for installed drag
prediction methods. The stores are mounted from a long support tube with a live or earthed pylon.
Comparison between free flight data and rig measurements of the drag of a M 10 bomb had led to the
development of an empirical correction method which used pressure mesurements on the upper surface of
the support tube to allow for a buoyancy effect. However, it seemed likely that a significant proportion
of the drag difference could be due to close interference between the pylon and the store. The SPARV

panel method was therefore used to compare the flow around an isolated store with the full rig
installation in order to consider this effect.

The isolated store drag rig ws modelled using 1400 panels, an shown in Fig B. go attempt was made to
represent the tunnel walls in this calculation. In order to establish a level of confidence in the close

interference effects, and to confirm that this was the dominant effect, comparisons were made between
local Mach numbers measured on the top of the support tube and those computed by SPARV. The results,
shown in Fig 9p confirm that these results are predicted well, even at M = 0.9, when the local Mach
number on the support tube approaches unity and there would obviously be embedded regions of supersonic

* flow in the vicinity of the pylon.

Although it is possible to predict pressure distributions adequately using theoretical methods, it is, of
course, a vastly different propostion to attempt to integrate the pressures in the axial direction tocompute drag. Not surprisngly, the integrated drag from the SPARY results ws significantly in error,

and could not be used on an absolute basis. However, the incremental difference due to the presence of
the rig did prove to be more reasonable, and this was used to correct the measured drag obtained from the
rig. The resulting corrected drag is compared in Fig 11 with the dreg measurements from sting mounted
tests and with the empirically corrected results. It should be noted here that a small difference in
drag levels between the sting mounted and rig mounted tests would be expected because of differences in
the detailed representation of excrescences. This increment would be expected to remain constant with
Mech number over the range shown and hence, the correction derived from the SPARV calculations can be
considered a very encouraging result.

3.3 The Twin Sting Model Support

The twin sting rig is used in the ARA Transonic Wind Tunnel to support civil aircraft models, with one
sting connected to the lower surface of each wing. This permits the accurate representation of the rear
fuselage and empennage and hence, detailed changes in the afterbody can be investigated. However, the
absolute drag measured on a balanced rear fuselage is sensitive to very small levels of rig interference;
for example, a wean C of 0.001 over the rear fuselage ca amount to an error in CD of 0.0001 for a
configuration where tit fuselage cross sectional area is 1/10 of the wing area, which is typical of some
wide bodied Jets. The panel method SPARV has therefore been usd to lnretignte the forward pressure
field and flow sngles due to the rig interference. This investigation considered the effect of
alternative sting positions and designs, together with detailed contribati on from each of the components
of the rig.

The twin sting rig (shown in Pig 12) was modelled using 1141 panels to represent the central boss, yoke
plate and sting. No ettempt was ande to allow for the tunnel walls, which are unlikely to have a maor
effect on the increments considered here. ore significantly, no attempt was asde to represent the
parent aircraft, and consequently, the calculated influence of the leading edge of the stings assmes a

* •free air condition sad ignores the interference with the wing lower surface. Sine the calculations are
- carried out at smll imoideoaes, this is not likely to have a major effect on the incremental differences

which be bean obtained, although we would ideally consider a representative aircraft shape and carry 4
out calculation with and without the support rig present. However, this would require a very large
mber of panels, which was not feasible for this particular investigation.
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The computed effect of the twin sting rig on the pressures in the vicinity of the model is shown in Fig13, s ontours of inc retl Cp. A typical configuration afterbody position is superimposed on the
fields but not inluded im the calculation. It is apparent that the incremental pressure* on the
orterial7 am sufficent to cause a significant error in the absolute afterbody drag levels for tis rig
arangement, although incremental differences between configurations are unlikely to be affected. The
coetribmtion of the three comp ent parts of the twin sting rig to the increnmental pressures is shown in
Fig 14. This shows that the dominant component at zero incidence is the centre boss of the rig which is
used to support the twin sting rig on the model cart. The addditional effect of the yoke plate and the
stings contributes approximately 30% of the man pressure change over the afterbody.

3.4 Sting Tamr end Model Surface Unmmoothaess

A check calibration of the ARA Trasoc! Wind Tunnel has recently been carried out using a long
ceatrelime probe, supported far upstream ahead of the flexible supersonic nozzle, to measure the
centralize Mah nuser distributions. In order to expedite the installation of the probe, it was adapted
to fit into a complete model roll unit using a tapered sting (Fig 15), rather than the original
installation which replaced the roll unit in the model cart. This had the additional advantage of
calibrating the tunnel in the presence of the complete model support system and indicating the forward
influence of the sting and roll unit taper on the centreline Mach numbers. However, we also required to
measure the position of the fall-off in tunnel Mach number in order to define the rearward limit of the
working section. Consequently, it was necessary to compute the effect of the tapered sting and roll unit
on the surface pressures in order to identify where the measured results deviated from this distribution.

Since there was no requirement to represent the tunnel walls in this exercise, the methods of Basker? and
Weatherill and Shawl could be used, treating the probe, tapered sting and roll unit as a body of
revolution. Although this seems a trivial task, a variety of problems were encountered before
satisfactory oceputed results were achieved. Firstly, the very high fineness ratio of the probe led to
an unacceptably coarse grid in the region of interest. It was therefore necessary to close the forebody
arbitrarily, reducing the overall length but ensuring that it was sufficiently far upstream for the
influence of the nose to be small for a reasonable distance upstream of the tapered sting. Secondly, the
Euler code required the body to be defined as a continuous surface. It proved impossible to define the
discontinuities on the tapered sting in this way without inducing oscillations in the surface geometry,
and it became necessary to write a specific grid generation program for this application of the method.
Finally, the Ruler code was found to produce unssooth Mach number distributions, even for numerically
smooth gecmetry. This was partly due to the degree of convergence, and a large number of iterations were
used to minimlse this contribution. Additionally, there appears to be a spurious entropy in the solution
which fails to converge. This was sufficiently large for the theoretical results to be unusable at
subsonic speeds. Supersonically, where the order of accuracy of the measured flow is significantly
lower, the results could be used with some caution, particularly since the contribution from the sting
can be taken to be zero everywhere upstream of the taper, which covers the working section for all models
which are likely to be tested at supersonic speeds.

The coeputed effects of the tapered sting are compared with the measured pressures on the calibration
probe in Fig 16, and it is apparent that the theoretical methods are providing a satisfactory prediction
of the taper effect in spite of the problems encountered in using the programs. Comparison between
theory (Baker) and experiment at subsonic speeds shows that the aft end of the working section can be
identified as tunnel station 415. Supersonically, there is no obvious fall off in tunnel Mach number
over the range of measured pressures. However, there are small disturbances in the local Mach number
over the length of the working section. These can be traced back to changes in the tunnel wall geometry;
for example, the walls have graduated perforations to optisise the flow distributions at transonic Mach
numbers and the position at which the perforated walls reach maximum ventilation can be identified as a
asll disturbance which cuts the centreline probe in the vicinity of the sting taper.

The problems in defining a smooth surface geometry for the Ruler calculations led to some consideration
of the effect of sachining accuracy on the measured pressures. Measurements of the probe diameter over a
20 inch length showed a small variation which was within the manufacturing tolerance, but could be
identified as a wave in the local surface. Calculations using Baker's Full Potential code, shown in Fig
17, indicated that the effect of this wave was significant in terms of the required accuracy of the
pressure measurements. However, the program assumed as axisymetric distribution of the mechining
inaccuracy, which was obviously inappropriate. Therefore, it was not possible to match the pressure
tapping signatures which had been identified and corrected by experimental means. In order to assess
this effect theoretically, it would be necessary to ensure a precise three-dimensional surface geometry
with a surface grid which is sufficiently fine to identify the variations in curvature. This is well
beyond any theoretical code which is currently available. However, it does highlight a difference
between theory and experiment which could apply to any test application. Generally, these small
differences in surface definition are not significant for attached flow conditions, but the advent of
more advanced theoretical codes which attempt to handle separated conditions will need to identify
details which can triuer the separated flow.

3.5 Acoustic Liner Design and Flow Uniformity

An acoustic liner is currently under development for use in the ARA Transonc Vind Tunnel (Fig 18). aimed
at providing an acoustically quiet environment for propeller noise testing. Apart from the obvious need
to meet the necessary acoustic standard, there are several requirements on the aerodynamic standard of
the liner to ensure satisfactory results. The specific constraints which need to be met include:

a uniform Mach number distribution within 0.01 of the required value, extending forward to
tunnel station 330 in up to M t 0.85,

a Mach umber at the location of the propeller disc which is within 0.005 of the required

value up to N a0.55,
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a Microphone Traversing Rig (MMt) which is sufficiently strong to locate the microphones
to within 0.1 in of the specified position in the tunnel. The implication of this is
that a large body will he moving fore and aft on tracks in sn effectively solid wall
tunnel snd it is necessary to ensure that the shove Mach number criteria are satisfied
for all positions of the rig.

These constraints can he translated into aerodynaic design requirements thus:

• design a liner lip which will accelerate the flow up to a constant working section mach
number without the risk of choking in the throat for Mach numbers up to U z 0.85,

investigate the Interference between the model support system and the liner walls to
ensure that the flow remains within the specified tolerances in the working section

tnd that there is no risk of choking around the model support,

i investigate the effect of the MITR on the Mach number distribution in the working
section for its full range of movement.

3.5.1 Lip design

The leading edge of the liner is positioned at tunnel station 280 in, with the lip extending beck to
station 304 in. Initially, a simple blunted ogive lip section was chosen, relying on the change in liner
cross sectional area to accelerate the flow smoothly up to a uniform Mach number in the working section.
However, tests in a 1/12 scale representstion of the transonic tunnel fitted with a model of the liner
suggested that the constant Mach number would not be achieved by the required tunnel station. This led
to an aerodynamic redesign of the liner lip section shape in an sttempt to extend the working section of
the liner further forward.

Details of the liner lip arrangement in the tunnel are shown in Fig 19a, and it is apparent that the
geometry cannot, and should not, be modelled precisely for the theoretical calculations. The boundary
layer bleed control plate is djustable at this stage to permit the optimiation of the bleed gap. This
will, of course, he replaced by a splitter plate when the design is finalised. The boundary layer bleed
is terminated by a structural frame with a smaller bleed behind the liner into the perforated tunnel wall
section. The best theoretical approximation to this arrangement is to attempt to match an upstream flow,
giving the correct Mach number in the basic tunnel section, with a downstream flow appropriate to the

i working section of the liner. The details of the flow in the vicinity of the lip can then be satisfied
i by ensuring a representative stagnation streamline, with the correct internal liner lip shape.

Two theoretical methods were considered in the design of the liner lip. Firstly, the SPARV program was
used, representing the tunnel as an inverted body (that is, a body with inward pointing normals). In
this case, the configuration is treated as a throttled tube with the Mach number at upstream infinity
adjusted to give the correct Mach number in the working section of the liner. For these calculations,
the 'stagnation streemline' was approximated by a fairing between the upstream tunnel section and the
liner lip (Fig 1b). Although the results were used as a positive guide to the lip design, these
calculations were primarily used to show whether this was an appropriate representation of the tunnel for
rig interference calculations. Secondly, the ARA cowl program was used to investigate alternative
detailed specifications of the inlet lip shape. In this case, the liner was treated as a rectangular
cowl with a field grid which gave an accurate specification of the lip shape (Fig 19c). Since no
representation of the upstream tunnel walls was possible, the mass flow ratio was specified to ensure the
correct stream tube cross sectional area far upetream. The program was then allowed to compute its own
stagnation streamline, which appeared to give a satisfactory flow calculation.

Although the theoretical representations of the liner lip do not represent an accurate geometric
specification of the liner, it is felt that they provide the most appropriate aerodynamic solution within
the constraints imposed by the programs. The Mach number distributions for the simple lip design are
compared with the 1/12 sale model tests in Fig 20. Unfortunately, the test results did not achieve the
required free stream Much number, but it is apparent that the cowl program provides a good indication of
the acceleration of the flow due to the liner lip (bearing in mind that a given increment in working
section Mach number will be achieved by a such smaller change in upstream Mach number). The SPARV
results are a little disappointing in that they do not provide as good an indication of the acceleration
into the liner. This is thought to be due to the very ocarse panelling in the vicinity of the lip,
resulting in a significant leakage through the tunnel walls. However, the results do appear to be a
positive indication of the character of the flow develompent and are considered a satisfactory basis for
the rig interference calculations where alternative methods are not applicable.

In redesigning the liner lip, the fundamental requirement is obviously to increase the bluffness of the
section without generating sufficiently high local Sah numbers to cause the flow to choke in the throat.
The Mach number distributions calculated for three lip designs are shown in Fig 21. Lip 1, the blunted
ogive design, has comparatively low surface hsob numbers but, of course, ban a delayed rise to a uniform
working section flow. Lip 2, which uses a blunted ogive with a higher bluffness ratio, accelerates the
flow more rapidly to a uniform level, but creates undesirably high velocities on the lip surface, which
could lead to the flow becoming choked. Finally, lip 3, which uses a super-elliptic shape (is an
equation of the form (x/a)n + (y/b)

n 
x 1), with a modified lending euge, reduces the suction peek whilst

maintaining the improved acceleration to a constant working section Mach number.

The acoustio liner has now undergone testing in the ABA Transonic Wind Tunnel, using the Lip 3 design.
No pressures are available on the lip itself, but measurements on the oentreline calibration probe (Fig
21) indicate that there are no problem with the lip design. In fact, the results shown in Fig 22 show
that stable Hoh number distributions can be obtaind in the liner up to 154 a 0.9. Beyond this value,

S .. % a very small change in upstream Mach number results in the flow in the liner becoming choked, although
-4 -this effect would be expected based upon area ratio considerations. However, the results show that the

liner lip rains well behaved beyond the design requirement of M 0.865.
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3.5.2 Inventination of Working Section Mdifications

The propellers tested in the acoustic liner will use one of two alternative model support systems. The
first, which is a comparatively minor modification to the standard complete model support system, using a
high pressure air supply to poser the propeller, is not thought likely to cause significant interference.
The second is a larger installation, designed to house two electric actors driving contra-rotating
propellers. This is likely to have a more serious effect on the tunnel flow and therefore SPARV
calculations were carried out to investigate the magnitude of the flow disturbance due to this model
support, and to consider possible modifications to the liner wells to permit some compensation for this
effect.

The acoustic liner sad tunnel walls were modelled using 900 panels as shown in Fig 23. No attempt was
sade to represent the shape of the basic tunnel nozzle upstream or the diffuser downstream since these
would be unlikely to have any effect on the interference between the model support and the liner
representation. A further 900 panels were required to represent the model support body, including a
long, parallel forward extension used to provide an indication of the magnitude of the rig interference
in the vicinity of the propeller.

Calculations were carried out using SPARY in its inviscid mode. In this case, it would have been very
desirable to compute the development of the boundary layer on the walls of the liner. However, these are
made from perforated plate to ensure the effectiveness of the acoustic fom layer behind the walls, and
the viscous module would not be appropriate for this type of surface. Consequently, an allowance for the
boundary layer development was made empirically in addition to the computed wall interference
calculations.

The effect of the large centre body on the Mach number distribution in a liner with parallel walls is
shown in Fig 24a. Obviously, the main problem derives from the forward influence of the model support
system which creates a pressure field extending upstream to the vicinity of the propeller plane. Further
downstream, the flow accelerates around the model support and there is a risk of the flow becoming choked
in this region before the required working section Mach number is achieved. In an attempt to alleviate
these problems, modifications to the liner walls were considered. An example of the effect of a
contoured surface is shown in Fig 24b, where the waisting of the liner is chosen to match the cross
sectional area of the centre body. The Mach number distributions show that this has an excessive effect
on the tunnel flow. Certainly, the velocities in the vicinity of the centre body are significantly
reduced. However, the forward pressure field extends further upstream, into the working section of the
liner. This is particularly apparent with the Mach number distributions in the plane of the propeller,
shown in Fig 25, where there is an increase in the velocity near the wells due to the contoured surface,
and a greater reduction near the centreline due to the forward pressure field of the centre body.

It in apparent from the results shown in Figs 24, 25 that significant changes in the flow field can be
achieved by small sodifications to the liner walls. In particular, the optimum design of the liner is
obtained by a small divergence from the parallel walls shown in Fig 24a, rather than the major reshaping
of Pig 24b. Results from the calculations permit these design changes to be investigated simply,
embling a balance to be obtained between the uniformity of the working section Mach number distribution
and minimising the high velocities in the vicinity of the support body.

3.5.3 Investigation of the Microphone Traversing Rig

It has already been anted that the microphone position error requirements demand a structurally solid
rig. In fact, the resulting MTR cross sectional area distribution gives a blockage in excess of 0.5%
and, inevitably, this has a significant effect on the flow in the working section of the tunnel. In
particular, the fore and aft movement of the rig means that an allowance sust be sade for the position of
the rig in computing the tunnel Mach number.

The photograph of the MTR (Fig 26) makes it apparent that it cannot be represented accurately using a
reasonable number of panels in the SPARV program. Two approximations to the rig have been considered to
investigate its influence on the tunnel flow. Firstly, a body of revolution was used, matching the cross
sectional area distribution of the MYR plus an assumed wake downstream of the body and legs of the rig,
Secondly, the rig was represented slightly more accurately by treating the body as a body of revolution
and the legs as thick 'lifting' surfaces. Again, a linear wake was assumed behind both the body and theIlegs of the rig.
Since the MTU i in close proximity to the wells of the liner, it was thought to be important to minimise

the leakage through the walls for these calculations. Therefore, the liner working section was treated
as a parallel tube, extending less far upstrem and downstream than the representation used earlier and
bncs, permitting a denser panelling. The resulting modelling of the rig installed in the working
section is shown in Fig 27, using a total of I98 panels to represent the complete configuration.SThe computed Mach number distributions on the tunnel port and starboard walls are shown in Fig 28,
Comparison with the experimental measurements, shown as a band covering a wide range of propeller power
settinlg, highlights aome of the problems which can occur in using theoretical methods. It is apparent
that there is a serious error in the calculations with the full rMt representation, whereas the
equivalent body of revolution provides a sensible approximation to the effect of the rig on the tunnel
flow. Consideration of the Mach number distribution at tunnel station 350 in shown in Fig 29, emphasises
the reason for the difference between the two calculations. When the ITR legs are represented, the
progem predicts extremely high velocities between the leg, close to the body. This means that the
velocities elsewhere in the field are significantly lower, in order to conserve mass flow. Obviously,
this Mob msher distribution is infeasible, WAn the program is being used beyond its range of
applicability. Nowever, the results can be interpreted a suggesting that this region could be a source
of problem sad that careful consideration should be gives to the detailed design of the installation.

• _ -.. ..
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4 Concluions

The aim of this paper was to demonstrate a variety of applications in which computatiomal methods can
assist in the design of wind tunnel rigs and in the interpeetation of the messured results. It is
concluded that:

It is necessary to make various assumptions in using theoretical methods, both in the form
of simplifications of the flow equations and the geometric repreetation of complex
configurations.

Care oust be taken to ensure that geometric simplifioations retain the aerodynamic
characteristics of the problem to be solved. This myw imvolve different represeatations
of a given component for different applications.

* Theoretical calculations can provide valuable assistance is the design of wind tunnel rigs,
ensuring an acceptable flow quality in the working section of the tunnel.

* The calculations can aid the interpretation of measured results, particularly when
anomalous behaviour is found in the experiments.

* The calculations can provide results which permit the correction of exprimental data
and hence, improve the quality of the measurements.

It is not anticipated that the theoretical methods will supersede the wind tunnel in
the foreseeable future. However, it is important that theoretical and experimental
techniques should become closely integrated so that the quality of predicted data can
be improved.
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ACCUACY Of VAHI10S VALL-cCONROMON m
FOR 3D 092901EIC VDu-.Tu. T~RING

by
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National Aerospace laboratory ElR
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1059 01 Amsterdam
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On the bais of vind-tal masermts on a (Simple. unpousrad. but complete) trensport aircraft
modal In a wal and a vury large salid-waUl teat auction the accuracy of four mswared-boundary-cowdition
(UKO) methoda. as well as two clasical motboda. uam analysed at low-speed conditions.
Large Ieductions In the ameunt of In aitu Sweated data are shown to be posaible. yet yielding results
which match almost with those of calculations using multiples of input data. Classical methods need not be
abandoned at one In lou-speed solid-vaU testing. Higher priority should be given to the wallow
Interpretation problems the determination of the actual moel reaction upon the wall-induced flow field.

dIii model (wing) Incidence, corrected for vall interference (do&)
I breadth of test Section (a)4CD. CL model farce coefficients. corrscted for wall Interference
CDT. CMT uncorrected (teat) values of CD and CL
01 pitcbig-omnt coefficient (corrected)
DA difference In AM betwen a corrected and a LST lift curve at (4201)

the aen value, of CL
UAL model-incidence correction (dog)
DCD -DCOSUOCDI. total correction on CD
BOBH correction on CD due to (horizontal) buoyancy
BoxI correction on CD due to lift (upea) Interference at wing
DCL correction on CL due to incremental lift interference at

horisontal tail
301 -DOE4O.m total correction on 01
DCNC correction on 01 due to Streamline curvature at wing
DM correction on OH due to incrmntal lift interference

at horizontal tall
DD, UK difference in CD. 01 reap., between a corrected curve CL va CD. CL vs 01

rasp.. miad a corresponding LST curve at the sawe CL
us5 aoo-diasnionlissd msan value of total correction on tunnel speed
IV. 7W.,
Mii, IWH notationa for model configurations (see Fig. 1)

I height of test section (an)
IST, HZ notatione for large (LIT 3x2.25) and small (MT 0.Sz4.6) tunnel

facility 2
croesectional. area of model (in2)

3 model reference (wing) ares (a
SU smi-sen of win (a)

I UMIAMUOTI(E

Vall Interference is a well-known factor that degrades the accuracy and reliability of vied-tunnel
data. Therefore. a large effort has bae spent during the last decade to improve existing mall-inter-
ference, assesment end correction methods. This effort resulted, amng other things. In the by sam well-
kon mesred-boundary-condition (13O) methods.

The moat promiing of themse mthode, theoretically at lest. in of the so-called Ceuchy-type, a
'two-componet" method which allow the calculation of the well-induced perturbation velocity field

thogot the test section. provided that all velocity components are buoom (i.e. measured) at the outer
boundary (the toneul wells). Thin method dose not require any formulation of the model perturbation-flow
field (the model representation). Miu only assumption in that irrotetinal Subeonic flow prevails In the
main part of the test auction.

Thu basic Idea Is due to Asill. at eL. Obwo applied It especially to solid-well, towels J1. 21. At
MIA thi principle ban been woed out further a fee years ago. This resulted Is a gemaral method [3).
from wibSeveral comuter codes were developed cerecterised by various wmy" of reduIn practical
diffisultlee. I.e. measuring problem and/or les copuin ties.
ia order to evaluate these methods In a reel viad-tameL enviroment, a special esgerimtal lavestigetion
w aemouonted o a sispls. umpwred lew-opeed aircraft moel. Thu basic data wers obtained In a solid-vall

tons secsion fur Which the mdl se fairly large, esuin a Sufficient Set of well Interference. In
adities. the am model adIta aupport system were tested In a such larger solid-well test section. to

"- '~i btaIn (AIM0et) interfereace-free data.

'-t 74
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The main question to be answered in the present paper is how the accuracy of the wall corrections is
Influenced by the measuring sad/or computational efforts to be spent In producing thm.
To this end, the various wsll-corroctitu methods were applied to the basic data and the results were con-
pared with the interfereace-free reference data.

2 UPSIINUITS

2.1 Model and instrumsenttion

The main characteristics of the model and the two test sections are summarized in figure 1 end 2.
The model was as simple as possible: a cylindrical fuselage, a rectangular wing provided with removable
full-span flaps. and a removable horizontal tail. Thus, four different configurations could be selected.
Because of the very low test Reynolds number (about 3aO , based on wing chord) the wing-flap combination
was designed carefully, in order to achieve a reasonably high lift (CL. - 2).

2
The model dimensuions were rather large (span-to-width retio c .75) relative to the small 0.8x0.6 2

wind tunnel (I), and very *mall relative to the large 3x2.25 a tunnel (LST). This is illustrated by
including the orders of magnitude of the respective wall corrections in the table in figure 2. The model
support (tall sting and strut) was identical in both test sections, apart from a necessary extension base
in the LT.

Yodel forces were measured by means of an internally mounted .75" Task (6-component strain augse)
balance, with ranges 600 N (normal force). 110 N (axial force) and 12 Nm (pitching moment), and an
accuracy of about t .1 2. ± .2 2 and t .1 % FSO respectively. The balance centre end moment reference
point were located at the half-chord station of the wing.
Model pressures were measured at one station on the wing. on the fuselage and inside the sting cavity
(Fig. 3a). by meam of a 3 psi Druck differential pressure transducer, having an accuracy of about t .1 Z
PSO, i.e. 1 40 Pa. corresponding with a ACp - .02 at the typical dynamic pressure of 2200 Pa. The pres-
sures were scanned mechanically by meane of a Scanivalve. mounted inside the fuselage as well.
Forces measured simultaneously with model pressures were used only to monitor the tests. The proper force
data were obtained with the pressure-smasuring hardware removed.

The small test section was provided with It stressaise strips with 22 static-pressure holes each.
distributed over the starboard half of the cross-sectional perimeter, complemented by 2 strips in the two
corners (Fig. 3b). Only spanvise symmetrical conditions were considered. Thus. a rather dense grid of
static-pressure stations wa created. These pressures were measured by maus of .5 psi and .75 psi Druck
differential pressure transducers (accuracy - t .2 Z FSO, or better).

All tests were performed with natural boundary-layer transition. Tb majority of the tests was
carried out while varying incidence at constant Reynolds number (about 3xlO , based on wing chord). Some
additional tests were performed with variable velocity, in order to assess the Reynolds-number sensitivity
of the data.

2.2 Data reduction

The model data were subjected to the usual corrections (empty-tunnel calibration, model weight, sting
deflection, etc.). Also the wall-pressure data were corrected by subtracting the corresponding empty-
tunnel data therefrom. The tera "empty tunnel" should be understood as a situation without model, but with
model support. Force and pressure data are presented in the usual coefficient form, using dynsaic pressure
and wing are and chord as reference quantities. The correction for flow angularity wa determined in the
usual way, i.e. from a comparison of the force data obtained with "normal" and "inverted" model attitude.
Herewith a support-interference effect on the pitchiug moment in both test sections was found, albeit not
of the same magnitude. Also this effect has been taken into account in the form of a correction on CM.
The smell test-section data are to be considered as "uncorrected data", however, in terms of well inter-
ference.
The LST resulte were corrected, in a convential (classical) way, for the (very mall) wall interference in
the large test section. thus creating the best possible interference-free reference data.

2.3 .Quality of experimental data

From repeated rune at a Reynolde nmber of about 3xz0
5 
the following figures were established for the

repeatability in the small test section (NT).

QU&I? ITT m TABILITY

BESHT ims .,K

LIFT (CLT) 1 .0010 f .OOSO t .0040
DWA (CDT) I .oo0030 t .0010 t .0005
. (CDT) t .000 t .0010 ± .003

. . It my be noted, that lift and drag coefficients could be reproduced within some ptrmills of their
m- u- measured values. This corresponds with sbout one pemill of the respective ranges of the balance

at worst. The pitching meents are clearly laeen setsfetory. showing a scatter of e percents of the
msim measered *4"s or Several per01,110 of the twe of the balance.
LOT? results were similar for lift sad drag but soehat better for the pitchin moment.
X0odel- cOW mall-pressue toeCftoNts could generally ba reproduced, within about 1.0025, corresponding

- V'~ 7.
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with about ome pezukill. of the transducer ramgp values (.5 pat and .7s psi) for the mall pressures. ad
even better for the moel preesures.
lucidema s etting Uee accurate to within a fee budrethe Of a degree.

3 VU.-WIMO3 ASSNMM AM CO3CTIOmNu

The several mothods. presently applied to spamine-eymtric conditios 0o17y. diiffer only with re-
epect to the aesent of the In~terference velocity field. ihe iaterpretation of those Interference we-
locItia In term of correctins to the meesured data are similar for all methods. Tha aseeement part of
the mothods will be characterized here briefly; more details are given In the final report [11i.

The method referred to -n YIWlD to a MWC method based oe velocity-vector distrihutions. known on a
control serfsce enclosing the model 131.
?bey are calculated, by men of a finite-iffereece technique, from asuered wall-pre s end normel-
velocity distributions, the latter of which is Identically seo= in the present (eolid-well) case. All

VMES reslts hae been calculated using all vell-presaure data (13 presoure stripe). Them* celculations
taka roughly 20 eec. an a CDC Cyber 180/855. thee excluding the poesibility of on-lines operation. Is
addition, the emunet of wall pressures need Is hardly attractive for routine testing. Nevertheless. WI13D
say he considered as the "mst sophieticated" method.

The results label"d "MI3DAL" were aleo obtained by mane of the computer program WI1lD, however.
Wna very limited set of wall data. win. only stripe 1, S. 7 and 11 (Fig 3b). end an Interpolation of

Cp along the perimeter of each test-ection crosa section. gvn then, the computing tins is too long for
on-lie calculations. However. it is intended to show the accuracy attainable with a "mn m o unt of
masuered well pressures which sem practicable for routine testing. If only cobined with a poat-procees-
sing stae.

The method WIUIOT uses the sem limited et of well data an mEIDAL. In addition. computing ties is
reduced so each that on-line prceAning an a local computer (such an a 111000) is feasible. This is
realized by omtitting the finite-differnce calculation end using epproIete velocity-praeure relations
Instead.

WI3WV1 isNBC method of a different type. It relies* on masuered wall pressures, Instead of ve-
locity vectors, in comination with a "model repreeentation" * using a Pourier-esries interpolation as pro-

ped by Iokry [4]. it uses preesure data from stripe 1.6 and 11 only (Fig. 3b). but can presently not be
used In on-line faehion because of its (tim conseang") "panel-method"' formulation.
It is less versatile than WIN3D end 111330? end will not be used foir solid-wall test sectiones. It is of
Interest, however, for ventilated-wail tunnels until the problem of measuring wall-velocity vectors will
be solved.

The "classical" correction method Is basically the method of tooges. Tma version Labeled CLANO (acro-
nym for classical old) was until recently standard for MAi eolid-waUl tunnls and is baeed on ml-oe
assumptions (5, 6 and 101. mae other, called CIA= (classical amn), is more sophisticated and hae bae
derived for relatively large. but conventional, low-epeed transport aircraft models. comining ideas f roe
relatively recent references [6-91.

4 AmNlSIS

4.1 Relative Importance of correctionsITma relative isportancet of the several term@contituting the correction of a lift ye. Incidence
curve is Illustrated In figure 4. It Is seen, that the blochag correction and the tail-plane interference
correction onCL, though not Insignificant, are of minor Importance relative to the strongly predominant

Incidence correction (DAL).I; ~ s imilar evercize with the lift-drag polar (Fig. 5) also shove a strongly predominant term, I.e. the in-
duced-drag correction (DWII). In case of the pitching =umet (Fig. 6), the correction term connected with
the hekrisontal tail plane (O1M) predominates.

Although these results, obtained with the meat sophisticated method VIMl, apply specifically to the
preent moel, It sem reaeonable to state. that the strong predominance of the "lift-intrfernce"
correction term, acting on both the win and (local) tail engla of Incidence, is typical for low-speed
tests on conventional transport aircraft models. Therefore, these terms will be analysed In detail.

4.2 Principal lit-interference correctione

Typical for the principal lift-intrference correction quantities DAL. 0CI ad CO are simple re-
lationehipe with measred (uncorrected) lift: '

D&l + CL?, DCDI + (CLT). DaM Z CL?.

Caqrone of the quatites IMLS'eZ?, DCI/(CLT)2 and VCW/OX, calculated by mess of the various
methods for the complote model (MR9).* are illustrated In figure 7, S. and 9, respectively.
In cmntrast with classical wethode, all MC methods yield corrections with small or larger variations

-. ~arouand a man value, seemngly reselting from inaccuraciee wich my be larger at smaller lift
coefficients.

'AIV
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Ald mn that the VIi remlt are the most acusrate uas, it is remarkable in figure 7 that the
older classical (CLASO) ale-of-attack correction ms to show better agreemant than the tar one
(CASH). The opposite is tra, however, for the pitcbin-msent correction due-to- tail (Fig. 9). the
CLAS result showing a larg ly overastmtod tail-plane interference. This can be attributed to the fact
that CLAWO only roughly approximates the upwash at the tail, whereas the other methods actually calculate
thin local value.
Rmarkable ha a7ny between the classical methods is to be sees in figure 8, whet both tend to ovetesti-
sete the lnduced-drag correction.

As for the MG mthods. a claos agreement between W1l3D and WUI3D6L is found generally, whereas the
lua allied ethods 1IN3QT and IU3MWV often show deviatiou of the same order of magnitude as the clas-
sical on"s.

Effacts of the -mdAe configuration (not shown here), on the man lift-ntrference quantities could
not be found to a significant extent, as distinct from blockage where a significant configuration effect
(due to flap deflection) was found.
In view of the minor Importance of blockage in conventional low-speod tests (i.e. at not-too-high inci-
fente or lift, with mail or no flow separation), it say be concluded that overall configuration effects
will generally ramin within bounds in low-speed tests.
This my be Important for wind-tuml investigations where only differenca between various configurations
are sought. Any wll-interfernce effect that is comm to the various configurations will. of course. not
appear in the increments.

4.3 Comparison with interference-fre data

The present analysis concentrates upon the principal aerodynamic characteristics, in their globally
corrected form, i.e. the curves CL vs incidence. CL vs CD and CL vs CH. Other issues, e.g. Reynolds seusi-
tivity. exercises with model pressures, etc.. are included in the final report fil].
Resilts to be discussed hare are susmized in figure 10-12. For all four model configurations the upper
part (a) shows corrected curves (for HIMID only) compared with the corresponding LST curves, whereas the
lower part (b) shows the remaining discrepancies betwen corrected and LST curves for both WIN31 and the
other methods.
The latter diagrams have bean constructed from curves similar to the former by subtracting LST values of
incidence (ALPHA) , drag (CD) and pitching moma*n (01) respectively, from corrected values at the same dis-
crate values of the ordinate CL. In this way a complete survey in shown of the qualities of all correction
methods.

At first sight, the agreement between corrected and LST curves (Fig. 1Os, Ila and 12a) often seem
acceptable, considering that the corrections are quite large (Fig. 4-6). Nevertheles. eapecislly in CD
and C I, sometimes discrepancies can be found which exceed 10 Z of the correction itself.
An a general trend to be seen in figure 10b, lb and 12b it may be noticed, that these curves for one same
configuration always show a close affinity, in that a comMa sequence of pas and dips is present.
Obviously, this stem from typical differences between the basic (uncorrected) MT curves and LST curves,
rather than from the various correction methods.
Further. an undercorrection. i.e. a negative value of DA, DD and II. is such in evidence, often showing a
negative mean slope, i.e. an Increasing undercorrection with increasing CL. The fact that this slope is
mostly present in all methods, albeit not with the same magnitude, may indicate that this feature is
caused by possible Imperfections In the interpretation of the wall- induced flow field in teors of cor-
rections rather than in its calculation. Typical differences between the various methods, observed earlier
with respect to the principal lift-interfernce corrections (Fig. 7-9). are also found in figure 1Ob, lIb
and 12b, of course.

The discrepancies in lift vs incidence curves (Fig. lOb), especially for the model configurations
without flap (Il and FUR), remain roughly within a band of t .1 deg.. whereas for configurations with flap

(PUP and rdl73) a clar tendency to undercorrection occurs for all methods except CLASH. Apparently, a
negative slope is the rule rather than the exception.
A remarkable festure is that, especially for the complete model (PFMR), CLASH and to some extent also
W13DV seem to be superior to the other methods, including WIND. The ethods CLASH and W )VIU3 are also
conspicuous in showing no clear elope.
The tendency of CLASH and WIN30T to give too large angle-of-attack corrections (Fig. 7) can be found here
only to some extent for configurations without flap. Another important point to be mentioned once more is
that results from 11H304L, i.e. the method with a minima input of measured wall pressures, differ hardly
from those using all wall data (WNW). This feature holds also for the CD and C0 curves to be discussed
subsequently.

The results for the lift vs drag curves (Fig. 11) have each in comon with the previous ones.
A striking issue is a much more clear difference between configurations without flap and those with flap.
In the forest cases (YU and AM) the discrepancies In CD are about within experimantal error, apart from
very mall and very large values of CL and except for CLAN and CLASO at PUN. whereas the latter con-
filgarationms (V ad PFM) are undercorrectod by som ton of counts in CD.
The s@=lier discrop~metw found with th classical methods for configuratios with flap, a well a the
overt ections for configurations without flap, may be attributed to the relatively large induced-drag
corrections of these methds found erlier (Pit. 8).

In the pitch cur (Fig. 12) Jar" differences In the discrepancies betmen configuretions
,, with and without bImstlt tail am found.
For tailless configurations (IV end Fur) very little difference betwe the correction methods can be
established; all mthads yield corrections which mount to omly one half of the difference between the
(uncorrected) UP and LST results. Presumably, this io caused by a stremlins-curvature affect on the fus-
lag: an Inctmatal upseb at the rear of the fuselage induced by the wells, which is not, and can hardly
be, accounted for in any existing correction method.

• .. • ..
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In the results @f the tail-on cofijretioes especially FWI. anay featurs can be traced bacX
directly to thse of the correctiom tors DOE (FIE. 9): a close agreement between 11USD, IN314L end
CLAN., a large overearrection for CLABO mad Intermodlate results for VIEWT and U1U3QY. Merely the lagedip In the dincrepency7 curves for coafigeratiom 1M at Iatarmediate welse" ot C. is rather strangead
difficult to explain. Apart f rem this peculiarity. which stem from the baeic (Uncorrected) Hf results
rather than from the mall-correction methods, aleo thee curve. show the treads mentioned.

The differences hetween the various sets of corrected data can he attributed to the =stool differ-

Lwes daain the theraticli sowmlaron o tes Treoreive iseinehtthed.Ti iupre disceanies nmestche
elae oipretions in 11fo th coetions pcdure (lsoicha dni o a ll th Nthods b omiute bLore use
to ranle thes o malterfrence vlcI e velt it mann fld rcIn..ycs hr eudryn

e mmprtat repsutite thetho Vclassica suptbod lik Cll seerB cmerhods coith re bareD.t etb

Treesdiffthat e th etweyn hhe evaeu ftor rtaym le maaodels, si nCdM ie anth ptnteroru l-fo
fLOw) diataone ofthe mol low. imla theas oTherefod, it may bevenete that the"D illrpholde ae e
coientedt lmee lame Intez coelsio asocadcrewic matodena for smlmdal. ehdsbtCAS)ue

Ve "ry impor"th ant * from a raccalpoitoies In heigood correctiondsc. ewe 110ad13DL

indicatiog that the quantitative demands on In situ mesured wall data can he reduced considerably.

Further improvemnts of mall-correction methods probably should be pursued, not necessarily by
Improving the assesent methods, but by upgrading the correction procedure.. This will be *Ven more
urgent In canes of more complex low-speed model flows (Jets, propellars. rotors@. etc).
Alternatively, the correctability of the data should he improved. e.g. by moans of adaptive walls.
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WlND-TUNNEL - SIDEWALL - DOUNDARY-LAYER EIYECI
IN TIANSONC AIR fOL TESTING - SOME CORECrASEBl Br SOME NOT

by

F.Tlynch, Technology Program Manager
Douglas Aircraft Company, McDonnell Douglas Corporation

3855 Lakewood Boulevard
Long Beach, CA 9084, USA

and

C.BJohnsoA Senior Aerosace Engineer
Transonic Aerodynamics Division
NASA Langley Research Center

Hampton, VA 23665-5225, USA

The need to correct transonic airfoil wind-tunnel-test data for the influence of the
tunnel sidewall boundary layers. in addition to the well accepted corrections for the
restraining effect of the top and botton walls, is addressed. A systematic experimental/

analytical investigation has been carried out in order to evaluate sidewall-boundary-
layer effects on transonic airfoil characteristics, and to validate proposed corrections
and the limit to their application. This investigation involved testing of modern air-
foil configurations in two different transonic airfoil test facilities, the 15 x 60-inch
two-dimensional insert of the National Aeronautical Establishment (NAE) 6-foot tunnel in
Ottawa. Canada, and the two-dimensional test section of the NASA Langley 0.3-Heter Tran-
sonic Cryogenic Tunnel (0.3-m TCT). Results presented include effects of variations in
sidewall-boundary-layer bleed in both facilities, different sidewall-boundary- layer cor-

rection procedures, tunnel-to-tunnel comparisons of corrected results, and flow condi-
tions with and without separation.

Analysis of these results, which show the effects of applying sidewall-boundary-layer
corrections to drag polars. compressibility drag. ehockwave location, and definition of
buffet onset boundaries, lead to the conclusion that the application of sidewall-
boundary-layer corrections of the type recommended by Nurthy or Barnwell-Sewall is
appropriate and necessary if meaningful comparisons of predicted versus experimental
results are to be obtained at attached flow conditions. They are also necessary if the
2-D test results are to be correctly applied to 3-D wing designs. However. it is also
shown that available sidewall boundary-layer correction methods are not appropriate for

conditions when flow separation exists on the airfoil (or sidewall) such as occurs when
approaching buffet onset and maximum lift.

Some important facilities-related lessons were also learned from this investigation.
One significant observation is that providing sidewall boundary-layer bleed does not
appear to provide any obvious advantage in obtaining more accurate transonic airfoil data
at conditions when the flow on the model (and sidewall) is attached if appropriate side-
wall boundary-layer corrections are used. In contrast, it is shown that sidewall
boundary-layer blood can be effective in maintaining 2-D flow on the modal at separated
flow conditions if the bleed is applied around the model, but upstream boundary-layer
removal is not nearly as effective, if at all. It is also possible that increased air-
foil chord lengths at a given chord Reynolds number are beneficial in delaying the onset
of sidewall boundary-layer separation. Finally, tunnel flow quality is shown to be an
important ingredient for any tunnel-to-tunnel comparison of test data, leading to the
(perhaps obvious) recommendation that comparable tunnel flow quality should be a firm
prerequisite for any planned tunnel-to-tunnel comparison studies.

1. INTRODUCTION

Two-dimensional transonic airfoil test results are used in two major ways in the
development of three-dimensional wing designs in the transport aircraft industry today.
First, the oxperimental development of effective low-drag transonic airfoil designs forms
the foundation for any successful 3-D wing design. Secondly. transonic airfoil test
results play a very important role in the development and validation of transonic air-
foil computational methods that are usually the forerunner of any successful 3-D CFD
transonic wing design method. Achieving reliable and accurate transonic airfoil test

results is critical for both purposes. The correct effective test flow conditions must
be known if the translation of 2-D airfoil test results to 3-D wing designs is to result
in the proper performance at specified design conditions, and also if the results are not
to contfibute to the development of misleading CFD design codes.

Determination of correction techniques to account for the restraining effect of the
top and bottom walls in wind tunnel facilities used for transonic airfoil testing has
received much attention because of its accepted importance, but also because it is a well
confied/defined problem amenable to analysis. Consequently. some very good procedures
have boon developed that are routinely used today. Similarly,. much attention has also
been devoted to means to minimize the effects of the top and bottom walls via either
specially designed slots or adaptive wells. There is. however, another correction just

,,~.as fundamental as the top and bottom wall correction that needs to be Addressed and
accounted for, and that is the effect of changes to the tunnel sidewall boundary-layer
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thickness caused by the presence of the airfoil model. It has been clearly demonstrated
1

that sidewall boundary-layer separation can significantly alter the apparent lift and
drag characteristics of transonic airfoils. For this reason, most modern transonic air-
foil test facilities utilize some type of sidewall boundary-layer control in an attempt
to minimize these effects. However, even in the absence of any separation, the change
in the sidewall boundary-layer thickness along the chord above and below the model leads
to variations in the width of the flow passage that change the effective test Mach
number.

The objective of this paper is to demonstrate, by using many examples, the legitimacy
and effectiveness of applying corrections to account for sidewall boundary-layer effects
in transonic airfoil testing, and also to highlight the conditions for which these cor-
rections are appropriate and those for which they are not. Test results obtained from
two modern transonic airfoil test facilities are utilized together with comparative pre-
dictions from state-of-the-art computational methods to accomplish this.

2. TEST FACILITIES DPLOYED

Transonic airfoil test results from two modern test facilities, both capable of
achieving quite high unit (and chord) Reynolds numbers, are used in this study of side-
wall boundary-layer effects and correction procedures. These two facilities are the IS
x 60-inch two-dimensional insert in the National Aeronautical Establishment (NAE) 5-foot
tunnel in Ottawa, Canada.

2 
and the two-dimensional test section of the NASA Langley

0.3-Meter Transonic Cryogenic Tunnel (0.3-a TCT)
3
.
4
. Descriptions of the pertinent

features of these two facilities and the associated model installations follow:

NUN Two-Dimensional Facility - The NAE 5-foot tunnel is a blowdown type capable of
operating at stagnation pressures up to 12 atmospheres. With the two-dimensional inserts
installed, a 15 x 60-inch flow passage is provided for transonic airfoil testing. Test
section top and bottom walls are perforated with a porosity of 20.5 percent. but are
covered with a stainless steel gauze to suppress the edqetone noise which reduces the
actual geometric porosity of the floor and ceiling to 7.9 percent. The sidewalls of the
2-D insert are solid except for 24 x 1- inch boundary-layer suction plates where the
airfoil models are mounted (see Figure 1). These porous suction plates are made of com-
pression-welded multilayer woven wire sheet, referred to as "Riqimesh." This suction
system for sidewall boundary-layer control is regulated in order to maintain the required
2-D flow (where possible), and is operated in a passive manner. i.e., is bled to atmos-
phere. The suction values Vn/V. used for results reported in this study ranged
from a little more than O.S percent to a little less than I percent. leading to a side-
wall boundary-layer-thickness ratio (26*/b) of 0.019 at typical airfoil drag-diverg-
ence conditions.

" RN Ten-inch-chord airfoil models are
POROUS Ltypically used in this facility, and theyFL are supported on two 3-component balancesTURTABLE- which rotate with the model. Airfoil lift

data are also obtained from the Integra-
24 IN. LONG tion of a very dense distribution of

static pressures on or near the model
18oN. HIH centerline, and drag data are, in addi-

0E tion, derived from wake survey measure-
o ments made I.S chord lengths downstream
/" of the airfoil trailing edge.

- Floor and ceiling static tubes, each
mounted midway between the sidewalls. are
used for measuring the wall pressures
required for wall correction routines.
Each tube has 40 longitudinally distrib-uted orifices starting nearly eight chord

WAKE PROBE lengths upstream from the airfoil leading
edge and extending four chord lengths

- FULL TUNNEL OUTLINE downstream from the airfoil trailing edge.The tunnel Mach number control system con-

Figem 1. NAE-FooITtbeMoAW* kdownTnn1 sisting of two translating chokes
NJhI5-yff-hach Nu installed in the diffuser second throat

allows the desired Mach number (corrected
SdWINSaW~ftWI ay LAyW ftlMev for wall interference) to be constant

during a specified a-step program.

Measurements and testing experience have shown that the freestream flow disturbance
levels in this facility are quite low at the test Reynolds numbers used in this
investigation, i.e.. up to 1S million based on airfoil chord. Transition location mea-
surements made by Fancher

S 
utilizing an advanced hot-film method showed that natural

transition (in the absence of any adverse pressure gradient) occurred at the 33-percent
chord location on the airfoil chord, clearly indicative of a very low froestream disturb-
ance, level.

NAA ILaglmv 0.3-a.TCT Airfoil Facility - This facility is a continuous flow fan-driven 4
transonic tunnel which uses cryogenic nitrogen as a test gas. It Is capable of operating ..%
at Macft numbers up to about 0.9. The stagnation pressure and temperature can be varied
frt about 1.2 to about 6.0 atu and from 144"R to %76".. respectively. This unique ..'' r

. .,s, -.
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Operational envelope allows airfoils to be tested at flight equivalent Reynolds numbers.

Under steady operating conditions, the heat of compression imparted to the test gas by
the fan is removed by automatic injection of liquid nitrogen into the tunnel circuit, and
the stagnation pressure is aintained by the automatic control of the o*us Mitre en

exhaust. The tvo-dimenasional test Section
Inse for this tunnel has a cross section
of S by 24 in.. and is enclosed in a rec-

tangular plenum chamber. The top and bot-
ton walls of this insert have two longitud-
inal slots each, with a total open area of
5 percent. These slots were designed using
Barwells low blockage criteria

6
.

A sidewall boundary-layer removal aye-
ten upstream of the airfoil model is pro- ,
vided which can be operated in either the

passive or the active mode
4
. A pair of

6 in. wide perforated plates having a nom-
inal porosity of about 10 percent are fit-
ted flush on both the sidewalls upstream
of the model location. as illustrated in
the top view photograph of the test section
with the top of the plenum chamber and the
slotted wall removed (see Figure 2). In FIU/i2. TW&DWonefao/Tet So 0100
both the passive and active node of opera- I
tion. the amount of boundary-layer mass

flow removed from the two sidevall boundary BQU/dI7Lij9WRAM3WM
layers is independently controlled by dig-
ital valves on the discharge side of each
sidewall. In the passive node, which was used for the testing discussed in this investi-
gation. the discharge from each wall is exhausted directly to the atmosphere. Conse-
quently, the maximum rate at which mass can be removed in the passive mode is limited to
the rate at which liquid nitrogen i being injected into the tunnel in order to maintain
steady operating conditions. At higher Mach numbers where the heat of compression is
large, the liquid nitrogen injection rate is higher and correspondingly higher removal
rates can be obtained. Removal rates of up to 1.5 percent were used for the results
reported on in this study, resulting in a reduction of the sidowall-boundary-layer-
thickness ratio (26*/b) from 0.018 to 0.012 at typical airfoil drag-divergence con-
ditions. For tests with sidewall boundary-layer removal, the upstream reference Kach
number is increased to compensate for the decrease in Mach number at the model station
due to sidewall boundary-layer removal.

Six-inch-chord airfoil models are typically used in this facility, and the required
aerodynamic data are obtained from the pressure distributions around the airfoil model.
the definition of the wake defect, and the corresponding angle of attack. The pressures
on the airfoil model, measured by individual transducers connected to the tubing from
each orifice, are integrated to obtain the lift characteristics, while the drag charac-
teristics are obtained from wake survey measurements made 1.2 chord lengths downstream
of the airfoil trailing edge. Make survey measurements are obtained at five spanwise
stations (centerline to y(b/2) = 0.75) to permit a qualitative assessment of the two-
dimensionality of the flow in the region of the wake.

Floor and ceiling static pressure orifices, located midway between the sidewalls (and
slots) are used to measure the wall pressures required for wall correction routines.
These orifices are spaced about 2 in. apart, and extend from Pbout 4 chord lengths
upstream from the airfoil leading edge to about 3 chord lengths downstream from the
trailing edge. Unlike the NAB control system, these floor and ceiling pressures are not
used to set a constant (corrected for wall interference) Mach number during a specified
a-step program.

Measurements and testing experience at a chord Reynolds number of about 15 x 1O
6

have both indicated that the freestreas flow disturbance levels in this facility are most
likely much higher than those present in the NAE airfoil test facility at the same con-
ditions. Hot-wire measurements

7 
have shown that the normalized velocity fluctuations

in the settling chamber downstream of the screens typically range from about 2.0 to 3.0
percent. Correspondingly. airfoil drag measurements obtained at chord Reynolds numbers
of 15 z 106 show no differences between data obtained with no transition fixing and
data obtained with transition fixed at S-percent chord, thereby indicating that the
elevated disturbance levels in this facility cause transition to occur very near the
leading edge. Unfortunately, no absolute tunnel-to-tunnel comparison of disturbance
levels between the NAE and 0.3-n TCT facilities is possible at this time because of the
lack of comparable data for the NAB tunnel. Based on Johnson's results

8 . 
which showed

an extremely wide range of normalized velocity fluctuations in the 0.3-0 TCT when four
different techniques were used to establish flow quality it is concluded that any mean-
ingful quantitative tunnel-to-tunnel comparison of flow quality must be based on measure-
nots of velocity, density, and total temperature fluctuations in both facilities using

an identical technique and identical instrumentation.

17
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The ese aitfoil shape wasn used in both facilities for the results reported In this
study. It Was an aft-loaded *aupercritical-tYP*" airfoil with a clasped trailing edge.
the model used IS the =facility had a to-inch chord. with a corresponding aspect ratio
o!" I.S. while theoe "Used in the 0.3-a TCT had a chord of 6 inches. and a corresponding
aeet zatio at 1.3.
4. VWX.IM CNCYICU U

ThO &ISSlusceftic the walls of "two-dimensional' transonic airfoil test facilities
emert se the Clao about an airfoil model at transonic conditions has been studied exten-
sively f0C at least the last fifteen years. Two types of effects and corrections have
bees explored. One is the primarily inviscid effect caused by the top and bottom walls
Whift caette Is the displacement of the streamlines near the walls away from the free-
ait positiens. The other Interference effect is that caused by the Interaction of the
airfoil preseuge field with the sidewall boundary layers. Both sidewall boundary-layer
separation a"d changes In thickness contribute to this interference source, but only the
attached-s idewllI- boundarcy- layer interaction with the model pressure field is amenable
to analysis. Methods which are used to account for each type of interference, and, in
particular. those used in this study, are discussed in this section.

Top and Blottom Nall Correction - Three qeneral types of correction methods are avail-
able today to account for the displacement of the steamlines caused by the presence of
the floor and ceiling in transonic airfoil testing. First, there are the classical the-
oretical methods that analytically simulate the nonlinear transonic flow by using the-
oretical boundary conditions on both the airfoil model and the tunnel floor and ceiling
walls. Typical methods of this type Include those based on transonic small disturbance
theory, like the initial method developed by Murnang, and those based on solutions of
the transonic full potential equations. like the procedure developed by Shuilovich and
Caughey

10
. While these methods are interesting In that they provide "a priori" esti-

mates of the wall corrections, and they were the first transonic correction methods
developed, they are rarely used anymore. They do not lend themselves to routine
application for production type test programs where there may be thousands of test
points, and furthermoce, their accuracy is definitely subject to question since they are
only as accurate as the theoretical models employed, and a practical accu ratea theoreaticalI
modeling of ventilated will flow characteristics is beyond the current state-of-the-art

capability.I The other two types of wall correction methods available overcome the requirement to
theoretically model the wall flow characteristics by using the measured static pressure

*distribution on the tunnel walls as a boundary condition. Simplest, and most popular.
of these methods are those that utilize the subsonic linear theory of wall corrections
and apply it to the transonic range on the premise that the farfields of the subsonic and
the transonic flows are very similar. An obvious requirement for the application of
these methods is that the test section walls must be operated at subcritical flow con-
ditions. even though local regions of supercritical flow may exist on the tested airfoil.
Those methods assume the tunnel flow is a superposition of a model-induced flowfisld, a
wall-induced flowtield. and the tunnel onset flow. Typical of thee* methods, which are
largely based on the principles set fotch by Capelier. Chevallier and flountill. is the
procedure developed by Mokry and Ohman

1 2 
that is used in a production mode in the MAE

transonic airfoil test facility. In this WAR procedure, the wall boundary- condi tion
measurements are combined with a singularity modeling of the airfoil which covers lift.
volume, drag and pitching moments. Although this method is based on subsonic compres-
sible flow analysis. Chsn 1 3 has shown by using an asymptotic transonic small disturb-
ance analysis that the derived corrections to angle of attack and freestream Mach number
are correct to the first order.

The third, and more complex, type of wall correction method utilizes the measured
pressure distributions on the test airfoil together with the measured interface (well)
pressure distributions to compute an equivalent body including viscous effects by solving
the so-called "inverse" problem. This equivalent body is then used to calculate its
pressure distribution In unrestrained flow, iterating on Mach number and angle of attack
until a model pressure distribution Is achieved which "matches" the measured one. The
best known method of this type is THNTAM14. developed by Kemp. which is a nonlinear
top and bottom wall correction method. TWINTAN. used for some ties in the NASA Langley
0,3-a TCT airfoil facility, utilizes three separate solutions of an extended transonic
small disturbance equetion in order to obtain corrections to the tunnel Mach number. and
angle of attack, as well es the wall-induced 'rerturbation field. In addition, when the
TKINTAM solution indicates a significant lack of convergence between the measured and
computed airfoil pressure distributions, the results may provide en indication that the
teat condition produces a wall interference that is too large and hence the data is no
longer useful or valid.

. Corrections - The firt known method proposed to address the

!id~l

at cto ofthe sai ewall boundary layer with the airfoil model pressure field
was developed by Prestond* who calculated an effective angle of incidence from an
approximate modeling of the trailing vorticity assumed to have beon shed due to a loss
of lift in the boundary layer. Limited success was achieved with this method, but not
enough to maintain interest. Thiry-five years later, spurred on by the experimental
results obtained by Sernard-Guolle which showed the effects of sidewall boundary-
layer thickness on airfoil lift at both subsonic and transonic conditions. suarniede .17
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developed a method to account for the effect of changes in the attached sidewall-
boundary-layeg thickness due to the airfoil induced pressure field at subsonic conditions
(lee oFige 3). I related an equivalent Nach number change to the average displacement
thickness on the sidevalls by use of the Prandtl-Glauert similarity rule. The use of
this technique was demonstrated to correlate well with the Reference 1 experimentally
observed variations in airfoil performance with changing sidewall boundary-layer thick-
noes at subsonic conditions.

... WITH AIIFOL Sewall
1 s  

subsequently extended the
Barnwell method to transonic conditions by

.. .THOUTAiWOIL showing that the similarity of coapressi-
bility and sidevall boundary-layer effects
results in a modified form of the von
Karman transonic similarity rule. In this
resultant Barnwell-Sewall method

1 9 .  
an

equivalent Mach number for an ideal two-

dimensional tunnel with no sidewall bound-
ary layer (6 - 0) is defined as

Nco r Ntest(l c Jorr)3/4 /

where

TypkSW eMu l unda.y-rye Growth test H - Ntest)

AbMu a Lift hg M Inh a
TW0.DhOrNMM *W dTUnn For tunnel Mach numbers between 0.7 and

0.9. and shape factors (H) ranging between
1.4 and 1.6. the correction to the Mach

number is approximately 26"/b. which is the fraction of the tunnel occupied by the two
sidewall boundary-layer displacement thicknesses. Pressure and force coefficients are

correspondingly transformed by multiplying the tunnel values by i// - Ve .
test

Following the Barnwell-Sewall sidewall correction, a new small-disturbance method
was developed by Nurthy

20 
to account for the change in the effective freestream Mach

number, due to changes in the pttached sidewall boundary layer. This method is based
primarily on the change in the area of the flow passage rather than on assuming the
presence of significant spanwise velocities across the width of the tunnel as done in
the Barnwell-Sewall method. For comparison of wind-tunnel measurements with theoretical
predictions, the recommended corrections are as follows:

Mach Number Mcore Mtest/(1 + k)
1
/
2

* Pressure Coef. Cp.corr - Cp.test(l + k)
1/2

Normal Force cn.corr cn.test(l . k)
1/2

where

K . (2 . I/H -
2  

)(26/b)

The results of this approach show a continuing increase in the magnitude of the correc-
tion from incompressible to transonic speeds. At test Mach numbers near 1.0. the dif-
ference between these corrections and those of Barnwell-Sewall are not significant.
although in the Mach number range of interest for this investigation, the Murthy-proposed
correction to freestream Mach number is about 20 percent less than that predicted by the
Barnwell-Sewall correction.

Nurthy
21 

has recently proposed a modification to the method of reference 20 to
account for airfoil aspect ratio effects, which is most important when the width of the
tunnel is much larger than the airfoil chord. The linear crose-flow assumption of the
basic Barnwell-Sewall method has been replaced with a wavy wall flow model. A very
recent study conducted at NASA Langley by Green and Newman

2 2 
concluded that this

method should be used in all future four-wall corrections. However. this latest method
was not used for the four-wall corrections presented in this paper since the aspect
ratios for the two models were nearly the same (i.e.. 1.5 and 1.33 for MAE and 0.3-s
TCT. respectively) and. most importantly, the differences between the two methods were
not significant at these aspect ratios.

Combined reur-Sall Interference Asseasm2At - Two types of procedures are employed for
combining the corrections for the sidewall boundary layer and the top and bottom wall
interference

23
. One is a sequential application of the two types of corrections.

while the other is a unified procedure that recognixes the combined effects of the two
corrections as a unified wall- induced perturbation field. For the results presented in
this paper, the sequential procedure has been used for all of the test results. The
unified procedure is generally used for well corrections In the Langley 0.3-a TC facil-

7 ity. but the sequential procedure was used on the data presented in this paper so that
the separate effects of the floor and ceiling corrections could be obtained.

-ii
A
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A cock and XempZ 3 
have compared results using the regular sequential procedure to

results obtained using a reveres sequential procedure. In the regular sequential pro-
cedutoe. the similarity sidewall corrections are applied as an input to the floor and
alling corrections. which in turn yields the four-veil corrections. In the reverse
sequential procedure, the floor and ceiling corrections are made first, and then the
similarity sidewall corrections are applied to the output fron the floor and ceiling
corrections. Results from the comparison of these two procedures were the same, indi-
cating the principal of superposition is an acceptable means of substituting the
MIrthy

20 
sidewall correction for the Barnwell-Smvall correction from the results of

the TMINTU4 code developed by Kemp
24

. All of the 0.3-m TCT data presented in this
paper was first corrected using TNINTN4 in a regular sequential mode, which used the
BacnWell-Sewall sidewall similarity correction, and then the Barnwell-Sewall correction
was replaced by the Murthy sidewall correction.

A somewhat automated version of Kemp's TNINTN4 code
2 4 

has been developed by
Oumbert and Newman

2S o26 
for processing data through the various steps in the 0.3-n TCT

procedure. In TINTN4. the corrected Mach number and angle of attack are obtained from
the minimization of the meon square difference between the surface velocity over the
airfoil in the tunnel and that over the same shape airfoil at the same lift in free air.
This differs from TWINTAM where the Mach number correction is determined from the local
wall-induced velocity perturbation at a user-specified match point location. TNINTU4
does not use a match point.

S. TRANSOUIC AIRFOIL CFD CODWS ELOYED

One means by which insight into the legitimacy and effectiveness of applying correc-
tions for sidewall-boundary-layer effects in transonic airfoil testing can be obtained
is by comparing corrected test results with the corresponding predictions of computa-
tional methods which have some known distinguishing characteristics. Two widely used
transonic airfoil methods, both based on finite-difference solutions of the transonic
full potential equations, are used in this study for that purpose. They are the noncon-
servative version of the Bauer. Garabedian and Korn (BOK) method

27 
referred to as

Program H. and the fully-conservative GRUMOIL code developed by Melnik at al.
28 

for
airfoils with cusped trailing edges. Brief descriptions of these two airfoil analysis
codes follow:

M . ufa L - The inviscid portion of this method
27 

is based on a numerical solu-
the full potential equations by mixed flow relaxation techniques in the "circle

plane." Rasa Is not conserved across shock waves in this nonconservative method.
although a mass-flux correction is applied to the drag computation. This lack of mass
conservation leads to solutions in which the pressure rise across the shock is less than
the theoretical value. Viscous effects are simulated by boundary-layer displacement
additions to the airfoil surface, and the wake is modeled as a constant thickness exten-
sion of the airfoil. The turbulent boundary-layer method utilized is the integral method
of Nash and MacDonald

29
. An iterative solution of the coupled inviscid and boundary-

layer solutions is used. Viscous profile drag is computed by using a compressible
Squire-Young drag formula applied to the computed trailing-edge boundary-layer quanti-
ties. The grid size used is 160 x 28.

- -OIL I M--) - In this version
26
. the inviscid flow is calculated by Jameson's

"0" mesh multiqrid scheme using rotated differences, and is fully conservative. The
boundary-layer solution employs Carter's semi-inverse scheme

30
. An extension of

Thwaites* integral method is used for the laminar run and a revised form of Green's lag
entrainment method

31 . 
modified for the inverse calculation, is used for the turbulent

flow on the airfoil and Into the wake. A complete set of matching conditions couple the
inviscid and viscid flowfields encompassing displacement effects on the airfoil and in
the wake. wake curvature effects, and the strong interactions at the shock wave and at
the trailing edge. The solution used for the trailing-edge boundary-layer interactions
Is based on a formal asymptotic analysis for airfoils with cusped trailing edges, and
hence it is strictly applicable only to airfoils with small included trailinq-edqe
angles. Total drag is determined from an integration of the pressure and skin-friction
over the airfoil surface, while profile drag is assessed from the wake momentum thickness
far downstream. The fine grid size employed in this version of the code is 160 x 32.

ldentifving Characteristics - A most useful parameter for assessing the accuracy of the
corrected test conditions is the chordwise location of the shockwave on the upper surface
of the airfoil. It is not uncommon for the shock wave on the upper surface of an aft-loaded airfoil to move as such as 10-percent chord for a 0.01 change in the freaotream

Mach number. Further. many studies
32 ,33 

have shown that the accuracy of the computed
shock wave location is very closely interrelated with the a7curacy of the predicted
static pressure rise through the shock-wave/boundary-layer interaction region. Very
simply, if the predicted shock pressure rise is too small, like it is with a nonconserv-
ative method, then the predicted shock location should be too far forward. Conversely.
If the predicted pressure rise is too great, like it is with an inviscid fully conserve-
tive method, then the predicted shock location should be too far aft. In order to estab-
lish a database for use in evaluating the accuracy of predicted static pressure jump
conditions for Program R and GRUMOIL. an extensive correlation of experimentally
observed jump conditions was assembled using measurements obtained in the NAS facility
for seven different airfoil designs. These airfoils were all heavily instrumented with
static pressures in the region of the shock wave, where a spacing of one-percent chordJ -
was used. The correlation obtained at a chord Reynold* nusber of 14.S x 106 is shown
In Figure 4 where it is compared to the jump conditions associated with en isentropic

J.., _ _ _ _ _ __ _ _ _ _ . .
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shoe, the Rankine-Hugontot relations. the naximum stream deflection. and a sonic post-
shock Nach number. The data correlation presented o independent of airfoil type, as
expected, since the pressure Jump across the shock interaction region is a local phen-
omenon. Also. sines it is a local phenomenon, the correlation should be independent of
amy vall interference effects.

as ONlt oa.5-ain

1.|2

TIP-DATA.v'M/

.1 IS R I IT J 1.

Preted VersusErrpe~entSock

; predictions of the shock pressure jump from Program H and GRUMFOIL are compared to

the airng hrogh te epermenal atabse n Fgur S.Program H predictions are
veil below the test data, while the ORUNdFOIL simulation of the shock-vave/boundary-layer

~interaction yields a pressure Jump quite close to the test data fairing. but does tend
to slightly udpedt eJupa lo soc stegsand slightly overpredict ths
Jump for shock Mach numbers above 1.2. Consequently, it should be expected that if the~corrections applied to the.wind tunnel test results are appropriate, then the measured

, shock locations should, in general, always be aft of the Program H predictions, aft of
i the GRUNFOIL predictions at low shock strengths, but then forward of the GRUNFOIL pre-

There are also other features of both Program H and GRUMFOIL that would preclude a
perfect correlation with test data unless by coincidence. Such factors, which, if
accounted for, could influence the predicted shock location and other characteristics are
the neglect of total pressure losses through the shock, and the turbulence generation and
amplification caused by the shock-wave interaction

34
.
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that would influence the

boundary-layer growth through and downstream of the shock. However, the use of either
method in these correlations should provide a consistent basis for comparison and
evaluation.

6. CORECTED TEST RESULTSVRUCNABLPRDTOS

rive case studies have been selected to demonstrate the legitimacy and effectiveness
of applying corrections to account for atace sidewall-boundary-layer effects in tran-
sonic airfoil testing, while a sixth example is used to illustrate the lack of applica-
bility of such corrections for flow conditions when the sidewall boundary layer is sepa-
rated. The first three studies of uncorrected and corrected test results versus compara-
tive predictions utilize data obtained for aft-loaded airfoils in he NAB two-dimensional
airfoil test facility. Both shockwave location and transonic drag characteristics are
studied. The next two case studies are based on data obtained for one of the same air-
foil designs in the NASA Langley 0.3-in TCT airfoil facility. These test results permit a

; direct tunnel-to-tunnel comparison of corrected test results for shock location and drag

rise characteristics. The last case study is a comparison of the indicated buffet-onset

wall boundary layers would clearly be separated. All of the experimental results and
predictions presented herein are at a chord Reynolds number of either l4, x 106 (NAB)
or IS x 10' (Langley). and with transition fixed in NAB at the i-pecent chord point
on both upper and lower surfaces using 0.0016-inch diameter glass beads. Transition was
not fixed for the 0.3-in TCT results presented herein because natural transition occurred
very close to the leading edge. Studies of comparable results obtained at both higher
(25-30 5 10w) and lover (6 x l06) Reynolds numbers in both facilities support the

I trends and conclusions obtained at the intermediate Reynolds numbers.

:.1 mJ Skdvl.. I.. - In this study, data obtained in the NAB facility on a representa-t ii

~~tive aft-loaded airfoil both with and without sidewall boundary-layer bleed are examined , !"i/..,!i!tO show hov the application of appropriate sidewall boundary-layer corrections resolves

,. :, ,apparent inconsistencies in relative shockvave locations. The effect of including side-

w all boundary-layer corrections on the correlation of GRUMdFOIL-predicted and measured ,o- -
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shock locations (defined where the local Mach number is 1.1) for this airfoil at attached
flow conditions is illustrated in Figure 6. First, when only the inviscid floor and
ceiling corrections based on measured boundary-pressure distributionsI

2 
are applied.

it can be seen that the measured shock locations are well forward of the GRUMFOIL pre-
dictions, but most importantly, the two sets of data appear to be inconsistent. It can
also be seen that the measured shock location moves aft when sidewall suction is applied,
suggesting the existence of a higher effective "freestream" Mach number (even though the
tunnel had been calibrated for both situations). Next, the result of applying the
Barnwell subsonic method

1 6 ,1 7 
to account for sidewall boundary-layer effects in addi-

tion to the floor and ceiling corrections is demonstrated. It can be seen that although
application of this method greatly reduces the inconsistency between the two sats of
data. it does appear to overcocrect for the sidewall boundary-layer influence. This
result is also of interest since an initial evaluation of the effectiveness of applying
sidewall boundary-layer corrections to airfoil data taken at transonic conditions in MAE
was based on the application of this method, and led to a rather negative conclusion that
needs to be put in proper perspective. Finally, the effects of applying the Barnwell-
Sewall18

1 9 
and Murthy 

0 
transonic corrections for sidewall boundary-layer influence

in addition to the floor and ceiling corrections was investigated. Results obtained with
the Murthy correction applied ate shown in Figure 6c. Although not shown, the results
obtained with the Bacnwall-Sevall correction applied are very similar, with predicted
shock locations within about 1-percent chord of the Nurthy-predicted values. The cor-
relations obtained with the GRUM4OIL predictions using either the Murthy or Barnwell-
Sewall corrections are basically consistent with the GRUyOIL shock pressure jump compar-
ison shown in Figure 5. i.e.. at conditions where the predicted jump is too high, the
predicted shock tends to be aft of the experimental location, and vice-versa. Also. the
apparent inconsistency between the two sets of data is greatly reduced when these correc-
tions are utilized.

(A) (B) (C)
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Figure . Effect of Wind Tunnel Sidewall Boundry-Layer Corrections on Correlation of
NAE 15- by 60-In. Versus Predicted Shock Location

Another verification of the effectiveness and legitimacy of applying the Murthy and
Barnwell-Sewall corrections is provided by examining the comparisons of the GRUNyOIL-
predicted and measured static pressure distributions on the forward lower surface of this
same airfoil with the various corrections applied (see Figure 7). Since the predictions
for this region on the airfoil are not strongly influenced by any possible inadequacies
in the transonic or viscous flow techniques, the measured and predicted pressures in this
area should agree very closely if the tunnel corrections used are appropriate. It is
seen from Figure 7 that this agreement is not good when only the floor and ceiling cor-
rections are used. and is not good when the Barnwell subsonic sidewall correction isadded. but the agreement is excellent when either the Barnwell-Sewall or Murthy correc-

tions are used in conjunction with the floor and ceiling corrections. Since the
Barnwell-Sewall and Murthy corrections yield quite similar results, all of the ensuing
case studies addressing the effectiveness and applicability of sidewall boundary-layer
corrections make use of the Murthy correction for convenience sake.

Case Study No.2 - This investigation, which is an expansion of the first study, is a
much more comprehensive evaluation of the effectiveness and legitimacy of applying side-
wall boundary-layer corrections for attached flow conditions as evidenced by correlations
of predicted and measured shock locations. The airfoil configuration used for this sur-
vey is very similar to that used in the first study, and is the same configuration tested
in the NASA Langley 0.3-m TCT airfoil facility, the results from which are used in case
studies 4. 5 and 6 involving tunnel-to-tunnel comparisons. Results from this case study.
which involves correlations of both GRUMFOIL and BDK Program H predicted shock locations
with MAE-measured locations, are presented in Figure 5. Correlations are shown first
with no wall corrections applied, then with the inviscid floor and ceiling corrections
based on measured boundary-pressure distributions applied, and finally with the sidewall
boundary-layer corrections recommended by Mutthy added to the floor and ceiling correc-
tions. One observation that can be made from these shock location correlations Is that

l I i P ' I
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the data scatter with both GRUN~olL and Program H correlations is progressively reduced

as the vail corrections are sequentially applied, being smaller when both types of wall
corrections are applied. Secondly. the ORUNel.OL correlation obtained with both wall
corrections applied is very consistent with the GRUN.,4L shock pressure jump comparison.
i.e..* at conditions where the predicted jump is too high, the predictad shock is aft of
the experimental location. Conversely, at conditions where the predicted jump ie low

COOpared to the empirical correlations, then the predicted shock is forward of the
eperIimental location. Then, with regard to the Program H correlations, although the
correlation is (coincidently) best when only the floor and ce'.linq corrections are
applied, the results obtained When both corrections are applied is consistent with the
nonconservative formulation of Program H. i.e..* the predicted shocks are forward of the
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corresponding experimental values. The too-far-forward shock location predicted with
Program H is also consistent with the overly pessimistic boundary-layer growth calcula-
tion procedure employed in Program H. which by itself would also cause the predicted
shock location to be too far forward. On the basis of these correlations, it is con-
eluded that the application of sidewall boundary-layer corrections of the type recom-
mended by Nurthy or Barnwell-SevaLl are appropriate and necessary if meaningful compari-
sons of predicted versus experimental results are to be obtained, and also if the 2-D
test results are to be correctly applied to 3-D wing designs.

Case Study No. 3 - This case study. utilizing test results obtained on another aft-
loaded airfoil configuration in the NAE facility, illustrates how the application of
sidewall boundary-layer corrections impacts the interpretation of predicted versus mea-
sured transonic drag characteristics. In this study, the predicted effects of an airfoil
modification intended to reduce drag at high lift coefficients based on GRUMFOIL are
compared to the measured test results with and without sidewall boundary-layer correc-
tions applied. First. the comparison of the predicted and measured drag polars for the
baseline airfoil and -he mod~fication, with only the floor and ceiling corrections
applied, is shown in the upper half of Figure 9. It can be seen that important features
of the measured improvement provided by the airfoil modification are not captured by the
corresponding RUMFOIL predictions in this case. The measured improvement in the early
drag-rise region is clearly not represented by the predictions based on GRUMFOIL, and the
magnitude of the improved lifting capability is obviously not properly represented.
However. when the Hurthy sidewall boundary-layer corrections are applied in addition to
the floor and ceiling corrections, the corresponding comparisons of predicted and mea-
sured drag polars shown in the lower half of Figure 9 are in much closer agreement. The
essence of the measured performance improvement provided by the airfoil modification is
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nov captured With the predictions based on ORWW4OIL. The improved correlation occurs
primarily beuse the presumed test Mach number is reduced by about 0.014 when the aide-
vil crrecions are applied.

!N - As & follow up to the Case 2 study of the affects of applying Vail
a.octiaon OR the orrelation of predicted versus measured shock locations for an aft-
loaded airfoil tested in NAU, a very analogous study has been carried out based on the
results obtained from tests of the eane airfoil design in the NASA Langley 0.3-n TCT air-
foil facility. These two sets of results thereby permit a direct tunnel-to-tunnel con-
paison at the attentiveness of the current state-of-the-art wall corrections enployed.i Before examining the 0.3-m results. and comparing then to the corresponding ones from
MMK. It is Instructive to make note of some of the disparities that existed between the
two studies a* follow:

Differences in mdel/tunnel geometries
V- Sidewall boundary-layer bleed is located upstream of airfoil in 0.3-a TCT, but

surrounds model in NA.
- Tunnel floor and ceiling are perforated at NAB, whereas 0.3-m TCT employs

low- intefoerence slots.
- Tunnel height/model chord ratio 1 6 at NAB versus 4 at the 0.3-n.

Differences in wall correction methods and techniques
- Floor and ceiling corrections at NAB are based on linear theory that uses

measured boundary conditions. followed by a sequential application of the
ulurthy

2
O sidewall'boundary-layer correction.

- Floor and ceiling corrections at the 0.3-m TCT are also based on measured
boundary conditions, but do not rely on linear theory.

- The Rarnvell-Sevall sideWall correction was used in the 0.3-a TCT four-vail
correction method utilizing the sequential method procedure.

_ The four-wall corrections for the 0.3-m TCT with the Nurthy sidewall correc-
tion have been obtained by using superposition, i.e. suklractinq out the
Barnvell-Savall sidewall correction and adding in the Nurthygu correction.

Differences in tunnel flow quality
- Fretstrean disturbance levels in the NAR facility at a chord Reynolds number

of 15 x 106 are probably much lower than those existing in the 0.3-n TCT.
and unsteadiness in Mach number existed through a typical angle-of-attack
sweep in the 0.3-m TCT.

* Differences in test and analysis procedures
- Only test results with sidewall boundary-layer bleed operating were obtained

in Case Study No. 2 at NAB, while results with sidewall boundary-layer bleed
both on and off were obtained at the 0.3-m TCT.

- Only the GRUNFOIL program was used for the 0.3-m correlation of predicted ver-
eus measured shock locations since the NAB study showed the Program H predic-
tions were not as reliable.

If the state-of-the-art vail correction methods employed in both facilities are adequate.
and thereby account for the model/tunnel differences, then the only difference to be
concerned about causing a discrepancy in the comparison of the final four-wall corrected
results ti the difference in tunnel flow quality.

Results of this case study, which is concerned with the correlation of GRUNFOIL-
predicted versus 0.3-n TCT-measured .hock locations, are presented in Figure 10. The
correlation Is shown first with no wail corrections applied, then with the TVINMN4 floor
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and ceiling corrections only applied, and then finally with the four-wall corrections
applied. Th. four-vail correction used has been adjusted to include the urthy-type
correction to be consistent With the NAB results. Several differences from the corres-
ponding MAN correlation are apparent. First. the effect of the floor and ceiling cor-
rections is much smaller, a testimony to the effectiveness of the Sarnwell slot design
in the 0.3-a TT. However. the correlation scatter is increased significantly, particu-
larly near midchord. when the floor and ceiling corrections are applied. This phenomenon
is undoubtedly caused by the relatively high level of unsteadiness present in this ini-
tial configuration of the 0.3-n TCT. This has been verified by viewing video tapes of
the shock notion which vere obtained by using a for* of real-time Moir6 interferometry
developed at NASA Langley

3 6
. This system makes use of the interaction of holographic

grids to generate an interference fringe pattern, and a density perturbation in the flow.
such as a shock wave. is easily detected as a local shift in the fringe pattern. Shock
movements of 10 to 15 percent chord were typically observed near midchord. but smaller
movements were seen when the shock was further aft, both of which correspond well with
the correlation scatter seen in Figure 10. The other noticeable difference from the
corresponding NAB correlation is the somewhat different form of the correlation obtained
When the four-wall corrections are applied. While the correlation is certainly much
improved over that obtained when only the floor and ceiling corrections were used, and
is in reasonably good agreement with the NAB correlation for shock locations aft of mid-
chord, the 0.3-n TCT measured shock location are about 5-percent chord forward of those
observed in NAB at flow conditions where the predicted shock location is forward of mid-
chord. As such, the 0.3-a TCT correlation is no longer consistent with the GRUMFOIL
shock pressure jump deviation for these weaker, more forward shocks. While it is pos-
sible that some of this difference could be attributable to the differences, or inaccu-
racies. in the wall correction methods employed in both facilities, it is also very
plausible that this difference could be largely attributable to the apparent higher free-
stream disturbance levels that were present in the version of the 0.3-s TCT with an 8 by
24 in. test section. It is suggested that this increased freestream turbulence level
would result in an increased rate of boundary-layer growth on the airfoil which, in turn,
would cause the shock to be more forward. i.e.. such as occurs with the thicker boundary-
layer present at lower Reynolds numbers. Although there is some ambiguity involved in
the interpretation of the corrected test results for this intended tunnel-to-tunnel com-
parison due to the flow quality problem, the shock-location correlations obtained with
the final four-wall corrected results do agree fairly well. certainly better than the
results not corrected for sidewall boundary-layer effects. It is also of interest to
note the effect that the 0.3-m TCT sidewall boundary-layer bleed system, located upstream
of the model, has on the data correlation. It can be seen from Figure 10 that the final
correlation with the four-wall corrections applied is. in fact. poorer with the bleed
system operating. There is no immediate explanation for this trend.

Case Study No. S - In this final case study involving flow conditions where the side-
wall boundary. layers are attached, the compressibility-drag characteristics measured in
NAB and the 0.3-m TCT for the same airfoil configuration used in cases 2 and 4 are com-
pared with each other and with GRUMFOIL predictions to further evaluate the effectiveness
and legitimacy of applying sidewall boundary- layer corrections. The two sets of test
results, together with the corresponding GRUMIOIL predictions, ate presented in Figure
11. first with no corrections applied, then with the respective floor and ceiling correc-
tions applied, and finally with the MurthyZO sidewall boundary-layer correction
included in addition. Before any corrections are applied, the two sets of data are not
in agreement with each other or with the GRUNFOIL predictions in the critical steeper
drag-rise region. When the respective floor and ceiling corrections are applied, it can
be seen that the two. sets of data are in better agreement, but they still do not corres-
pond to the ORUMFOIL predictions in the drag-rise region. However, when the Murthy side-

wall boundary-layer correction is added (to the floor and ceiling corrections), the mea-
sured drag-rise characteristics from both tunnels agree much better with the predicted
results. To collaborate these findings, the measured and predicted airfoil pressure
distributions were examined, and indeed, the measured and predicted pressure distribu-
tions (i.e.. shock strength and associated wave drag. which dominates the steep part of
the drag rise) did not closely match each other until the sidewall boundary-layer correc-
tion was applied. Those results further substantiate the position that application of
sidewall boundary-layer corrections of the type recommended by Murthy or Barnwell Sewall
ts appropriate and necessary when the sidewall boundary-layer is attached if experimental
results are to be correctly interpreted.

Case Study No. 6 - The derivations (and applications) of the Barnwell, Barnwell-Sewall.
and Murthy sidewall boundary-layer correction procedures are based on having attached
boundary layers on the tunnel sidewalls. and there are important performance conditions
involving unseparated flows (i.e. at typical cruising conditions or when defining the
drag rise characteristics) where use of these corrections is necessary to properly inter-
pret transonic airfoil test results. However, there are also imnortant performance con-
ditions involving separated flows (like the buffet boundary) where it is equally import.
ant to correctly interpret the test results. In fact, the buffet boundary can at times
be nearly as impoctant a performance parameter as drag

37
. In this case study, the

indicated buffet onset boundaries (defined by trailing-edge pressure divergence), from
both the NAB and 0.3-0 TCT tests of the airfoil configuration used in the previous
studies, are used to demonstrate that use of sidewall boundary-layer corrections at these
separated-flow conditions is not meaningful. These results also provide some insight
into the relative Importance of boundary-layer bleed amount and location of the sidewall

* -*'- boundary-layer cemeal on the definition of the buffet-enet boundary when there is A
likely separation of the sidewall boundary layer.

I 7-
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0.3- TCT at the same chord Reynolds numbers that indicated that the compression of the

airfoil pressure gradient$ on the sidevall boundary layer with the smaller model led to

an earlier separation of the sidewall boundary layer.

7. COCLUSIONS

A systematic experinental/computational investigation has been carried out to estab-
lish the legitimacy and effectiveness of applying corrections to account for sidewall
boundary-layer effects in transonic airfoil testing, and also to highlight the conditions
for which those corrections are appropriate and those for which they are not. Several
examples have been presented to show the results of applying these corrections on drag
polars. compressibility drag, shock-wave location, and definition of buffet onset bound-
aries. Areas covered have encompassed conditions with and without flow separations.

situations with and without sidewall bleed, tests of the same airfoil configuration in
two different tunnels, and different types of sidewall bleed. Analysis of the results
from this investigation has led to the following conclusions:

1. The application of sidewall boundary-layer corrections of the type recommended
by Murthy or Barnwell-Sewall is appropriate and necessary if meaningful comparisons of

predicted versus experimental results at attached flow conditions are to be obtained, and
also if the 2-D test results are to be correctly applied to 3-D wing designs.

2. Available sidewall boundary-layer correction methods, which assume attached
flow, are not appropriate when flow separation exists on the airfoil (and sidewall) such
as occurs when approaching buffet onset and maximum lift.

3. Incorporation of sidewall boundary-layer bleed does not appear to provide any
obvious advantage in obtaining more accurate transonic airfoil data at conditions when
the flow on the model (and sidewall) is attached if sidewall boundary-layer corrections
are used.

4. Based on indicated buffet-onset results, boundary-layer bleed can be effective in
maintaining 2-D flow on the airfoil at separated flow conditions, but only if the bleed
is applied around the model. Upstream boundary-layer removal does not appear to help
this situation. Increased airfoil chord lengths at a given chord Reynolds number may
well be beneficial in delaying the onset of sidewall boundary-layer separation.

5. If tunnel-to-tunnel comparisons for specific airfoil configurations are to be
undertaken to further validate the accuracy of current four-wall correction techniques.
then comparable tunnel flow quality is an important prerequisite if ambiguous results are
to be avoided.
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INTRODUCTION

It seems reasonable to consider, before govern certain critical flow phenomena -
giving a summary of the results of the and that must, therefore, be duplicated
study of the Research Committee, the basic at prominent locations on a given aero-
idea and meaning of viscous simulation and dynamic surface - are largely unknown.
boundary layer control as applied to wind These deficiencies led to the formation
tunnel testing, although this is well of the Research Committee within the AGARD
known to most aerodynamicists involved in Working Group 09 "Boundary Layer Simu-
the design and development of transonic lation and Control in Wind Tunnels" with
flight vehicles and the associated wind the following objectives:
tunnel testing. For that purpose Figure 1
show in two opposite plots the dependence Review of the physics associated with
of the lift coefficient for a transonic the simulation of high Reynolds number
airfoil at a given freestream Mach number flow and, in particular, identifica-
on the Reynolds number for a fixed tran- tion of viscous and outer inviscid
sition location and on the transition flow parameters that dominate viz-
location at a constant Reynolds number cous/inviscid interactions sensitive
[1]. Common to both plots is the data to changes in the Reynolds number,
point, marked by the octagonal symbol, at hence crucial to the simulation proc-
a Reynolds number of Re = 2.4 x 10" and eas.
transition fixed at 7 percent chord. Oneobserves in the right-hand plot that Definition of research needed to
changing the Reynolds number between improve the understanding of the flow

2.4 x 10" and 31 x i0 results in a change physics associated with viscous simu-
in lift coefficient from about CL = 0.55 lation including research needed to
to CL = 0.70, i.e., a change by almost identify and account for wind tunnel
30 percent. Considering now the left-hand environmental effects.
plot, it is seen that varying the transi-
tion location between 7 and 50 percent Definition of experiments and/or CFD
chord causes about the same change in lift exercises needed to establish the
coefficient. Obviously there exists an sensitivity of relevant flow phenomena
equivalence between changing Reynolds or flow developments to viscous
number and transition location. There effects.
must, therefore, be some viscous parameter The Research Committee comprised the fol-
or parameters that dominate certain crit- lowing members:
ical flow phenomena - to be specified
later - and, as a consequence, the global Prof. C. Ciray, Turkey
flow development on the transonic airfoil Mr. A.G.T. Cross, U.K.*
considered. Prof. J.L. van Ingen, The Netherlands

Dr. S.M. Kraft, U.S.A.
Simulation procedures based on manipulat- Dr. R. Michel, France
ing the transition location have, to var- Mr. J.D. Peterson, U.S.A.*
iotas degrees, been applied for some time Dr. E. Stanewsky, F.R.G.
(2]. These procedures have, however, Dr. J. stodruch, F.R.G.*
generally not been based on a sound
understanding of the underlying physics The gentlemen marked by an asterisk joined
of the flow since the dominating viscous the Research Committee after completion
and outer inviscid flow parameters that of their assignment in the Review Commit-
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te. The final report of the Research of about N1 = 1.33 - are critical in the
Committee covers the following subjects present sense since small initial differ-
in detail, always in the light of viscous ances in the boundary layer properties,
simulation: eaaplified by the displacement thickness,

are changed considerably by the shock and
" Boundary layer development and tran- rear adverse pressure gradients, which,

sition in turn, results in a noticeable effect
" Non-equilibrium boundary layers on the development of trailing edge sepa-
" Shock boundary layer interaction ration.
" Classical separation, trailing edge

flow and buffet Critical flow phenomena in the sense just
" Vortex flows described were identified by the Research
" Environmental effects on the boundary Committee; they are 3ummerized in

layer development and transition Figure 3 and include, as already indi-
* Boundary layer manipulation cated,

The present paper will present in some shock boundary layer interaction with
detail selected results pertaining to the boundary layer, dependent on shock
these subjects and summarize our findings strength, either attached or sepa-
with respect to the dominant viscous and rated,
outer inviscid flow parameters and most
urgently needed research. trailing edge flow in general and

classical sustained adverse pressure
CRMICAL FLOW PHENOMENA gradient induced separation, where

such separation may occur, as shown,
One can quite easily imagine that certain in the trailing edge region of an
local flow phenomena that either affect airfoil or wing but also close to the
the boundary layer development or are leading edge, for instance, in form
strongly influenced by changes in the of a laminar separation bubble, and
condition of the boundary layer may
largely contribute to the observed dif- vortex flows - of course closely
ferences between low Reynolds number wind associated with separation - including
tunnel and full-scale flight results, the formation of wing and body vor-
These flow phenomena were termed "crit- tices, shock vortex interaction and
ical" by the Research Committee and I vortex breakdown.
would like to demonstrate why critical by
close examination of Figure 2 [1]. Plot- There is a second group of critical phe-
ted are, for a given freestream Mach num- nomena which primarily affect the boundary
ber, the displacement thicknesses upstream layer development without having a direct
of the shock on the upper surface of a influence on the outer flow - as do the
transonic airfoil, immediately downstream strong viscous/inviscid interactions just
of the shock and at the trailing edge, considered. These phenomena are critical
respectively, as function of the shock- since the implementation of any viscous
upstream Mach number, i.e., in essence simulation process requires the under-
shock strength, varied by changing the standing and predictability of the bound-
angle of attack. The airfoil chord loca- ary layer development as it occurs natu-
tions considered are indicated in the rally on a given aerodynamic surface -
inset to the figure. The most important such as in flight - or as it evolves, for
parameter of the graph in the present instance, under the influence of the wind
context of viscous simulation is the ini- tunnel environment or by boundary layer
tial displacement thickness, i.e., the manipulation. The Research Committee con-

displacement thickness upstream of the sidered, accordingly, relevant aspects of
shock, which was, for instance, varied by the wind tunnel environment, i.e., the
changing the location of the transition effect of noise, turbulence, temperature
strip from 7 % chord, marked by circles, spots and model irregularities on the

to 30 % chord, represented by triangles, boundary layer development including
One observes that this shift in transition transition, and - most important in the
location causes only a small difference present context - boundary layer manipu-
in the displacement thickness upstream of lation techniques including conventional
the shock. Going through the shock, this and advanced tripping devices, boundary

difference increases markedly; a quite layer suction and surface cooling.
spectacular furt.,er increase occurs
between shock and trailing edge due to the We will now consider, as mentioned above,

strong sustained adverse pressure gradi- in some detail selected results of the
ants prevailing in that region. The change Research Committee report pertaining to
in lift coefficient, depicted in Fig. 1, the critical phenomena.
is directly proportional to the change in
displacement thickness at the trailing SHOCK BOUNDARY LAYER INTERACTION
edge. Coming back to the criticalnoss, one
sees that shock boundary layer interac- The importance of shock boundary layer
tion, trailing edge flow and classical interaction to the overall flow develop-
trailing edge separation - whose occur- ment, at least for transport aircraft
rance is here indicated by the steep configurations, was already pointed out.
increase in the trailing edge displacement Shock boundary layer interaction comprises
thickness at a shock-upstream Mach number three main elements whose correct full- "
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J scale simulation must be enured in the to th, so-called bubble blow-up [6),
low Reynolds number wind tunnel tests: the unfortunately not captured in the present
up tream influence, defined in figure 4a tests. More important in the present con-
and denoted L, the *most of shock-induced text, one can recognize two distinct sets

or incipient separation, defined as the of curves: the lower one was obtained for
condition where the wall shear stress just a transition location of 30 X chord, I.e.,
touche ,ero with increasing shock a relatively thin boundary layer upstream
strength, Figure 4b, and the extent of the of the shock, the upper one for a transi-
hock-induced separation bubble Indicated tion location of 7 % chord and a corre-

by the region of negative wall shear spondingly thicker initial boundary layer.
stress, L9, in the right-hand side diagram The thinner boundary layer clearly results
of Fig. 4b. Note, that instead of the wall in a slower progression In the development
shear stress, the shape parmter of the of the shock-induced separation bubble

boundary layer B32 = &**/S can, as shown and, as a consequence, in a delay in the
in this figure, be utilised to determine total breakdown of the flow.
the onset and extnt of separation [11
[31. In an attempt to correlate the results of

the bubble extent and to identify the
The upstream influence, which rules the major influence parameters, a correlation
interactive pressure gradient Imposed on parameter was derived impirically con-
the boundary layer, hence determines the misting of the shock-upstresam Mach number
condition of the boundary layer leaving in the form (N 1 - 1.3) - to account for
the interaction region, was found to be the dominant influence of this Mach number
for a turbulent boundary layer molely and the insensitivity of incipient spa-
dependent on the viscous parameter (a/c) ration to viscous effects - and the iei-

(pll), where and tel are thes4i- tial momentum thickness normalized by the
placement thickness Sd the incompressible average upper surface contour radius
shape factor, respectively, immediately between shock and trailing edge, R,
upstream of the shock. Figure 6. The latter is primarily consid-

ered as a measure of the rear adverse
Incipient separation was found to be pressure gradients which are different for
rather insensitive to viscous effects and the two airfoils considered. One sees that
it is believed that duplicating the par&- the correlation derived provides a rather
meter dominating the upstream influence satisfactory alignment of the experimental
in the low Reynolds number wind tunnel results which suggests that the dominant
tests will result in the correct simu- viscous parameter governing the bubble
lation of full-scale shock boundary layer development in the momentum thickness
interaction up to separation. upstream of the shock. It may - cautiously

- be concluded from these results that

duplicating the full-scale momentum
We shall discuss now, in somewhat more thickness, normalized, of course, by the
detail, the development of the shock-in- appropriate chord length, will provide a
duced separation bubble with increasing bubble development closely similar to the
shock-upstream Mach number, N 1 , i.e., full-scale one.
increasing shock strength. The discussion
is based on a correlation of results The present data confirm results of a much
obtained on two transonic airfoils in more extensive investigation on airfoils

extensive surface pressure and boundary and wings conducted over a wide Reynolds
layer measurements (1). number range by Fulker and Ashill, who

correlated the bubble extent, LB/e 1 , with
The shock-induced bubble extent, normal- the local Reynolds number based on the
ized by the momentum thickness upstream momentum thickness, Re,, and the shock-

of the shock, 61, is shown in Figure S upstream Mach number [6). They have shown
dependent on the shock-upstream Mach num- that for a three-dimensional wing dupli-
ber, Nl, and the condition of the incoming cating the full-scale bubble extent in the
turbulent boundary layer, the latter var- low Reynolds number wind tunnel tests,
ied by changing the Reynolds number and i.e., essentially duplicating 01, will
the transition location. One observes, result in the complete duplication of the
first of all, that both airfoils - to be full-scale three-dimensional pressure
distinguished by the open and half-filled distribution. This is demonstrated in
symbols, respectively - exhibit similar Figure 7 for the outboard region of a

bubble developments with increasing M1 , three-dimensional wing In the following
here varied by increasing angle of attack: way: Assumed as full-scale condition is a
The separation onset, or incipient sepa- chord Reynolds number of Rea a 30 x 10'
ration, indicated by Izaore bubble extent,
occurs for all viscous conditions consid- at a freestres lAach number of M. = 0.780

ered close to a shock upstream Mach number and a lift coefficient of CL = 0.70.

of Ml - 1.30. This confirms a fair number According to the correlation of Fulker and

of experimental and theoretical results, Ashill, the bubble extent corresponding

all indicating that incipient separation, to this condition can be duplicated either

as already outlined, is rather independent by locating a transition trip (transition)

of viscous effects 14) IS). With at 15 % chord and testing at a Reynolds

increasing shock-upstream Mach number, an mber of Rq - 13 x 10 or, alternative-
essentially linear downstream spreading ly, by locating a transition trip at 30 %

of the bubble takes place which continues chord and testing at a Reynolds number of
. + ;L.I
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= 5 x 10'. The good agreement between Ing from H = 2.2 to values above three.
preamre distribations for these con- Assuming that the data scatter is not only

dltions. evident in Fig. 7. can be seen due to experimental inaccuracies, one may
as confimtion of the dominant character conclude that the Sandborn-Kline corre-
of the initial momentum thickness but also lation is not sufficient for the predic-
as proof for the validity of the present tion of the boundary layer condition at
approach to simulating the full-scale flow separation for viscous simulation pur-
development in the presence of shock-in- poses. This is mainly due to the fact that
duced separation, this correlation - as do many others -

draws too heavily on equilibrium flows and
O.AICAI WARATION AND TRAILMIG EDGE its related wall-wake velocity deocrip-
FLOW tion. In order to make further progress,

the departure of the boundary layer from
Considering classical separation, induced equilibrium as it occurs, for instance,
by sustained adverse pressure gradients, in strong adverse pressure gradients must
one can, within the context of viscous be accounted for.
simulation, identify two critical loca-
tions: the leading edge, where the A promising step in this direction has
natural state of the boundary layer may, been undertaken by Cross in revising
even at full-scale conditions, be laminar Coles' law of the wall-wake to cope with
and the trailing edge region, where, for the departure from equilibrium [9[.
all practical situations, a turbulent First, it was found to be necessary to
boundary layer prevails. Treating turbu- reappraise the way, pressure gradient was
lent boundary layer separation - we shall included in the wall-wake description.
restrict ourselves here to that state of Here, it was suggested by Coleman 1101 to
the boundary layer - one could proceed make the wake exponent x in the expression
similar to the treatment of shock boundary for the velocity profile u/Ue a variable.
layer interaction, identifying some domi- Cross showed subsequently that x could be
nant viscous parameter, say, at the loca- related to the departure from equilibrium
tion of the onset of the rear adverse flow conditions by considering the dif-
pressure gradient, whose full-scale value ference between the streamwise pressure
must be duplicated in the low Reynolds gradient parameter (8/Ue) (dUe/dx) of the
number wind tunnel test. The Research actual flow and the equivalent equilibrium
Committee felt, however, that it is, in flow, denoted Tr 191 . This relation is
the case of classical separation, not shown in the inset to Figure 9. One
necessary to rely on simple separation observes that for equilibrium flow, i.e.,
criteria - although helpful in identifying ir = 0, the Coles value of the wake expo-
dominant viscous parameters - but employ nent, x = 2, is obtained, while for a
Computational Fluid Dynamics (CFD) to departure from equilibrium a strong devi-
determine the boundary layer development ation from this value is indicated. Note,
loading to separation, starting with some that this relation also holds for three-
initial condition given, for instance, dimensional flows.
downstream of the shock boundary layer
interaction region. At separation the law of the wall vanishes

together with the Reynolds number
Applying CFD to determine the separation dependence - and the value of the shape
location, one must use certain indicators parameter is determined solely by the
- "zero" skin friction would be the degree of non-equilibrium flow distortion
natural one but it is frequently not represented by the wake exponent. The
available and difficult to measure - that relation between the shape parameter and
identify the location of separation on the the wake exponent at separation is shown
aerodynamic surface considered. As an in the main part of Fig. 9.: For equi-
(alternative) indicator, one may, for librium flow, 'r = 0 - x = 2, the shape
instance, use a shape factor correlation parameter at separation corresponds, as
such as the one depicted in Figure 8 where already seen, to the Colee value H = 4,
the shape parameter of the boundary layer while H at separation is reduced signif-
is plotted in the form (H-1)/H as function icantly as the relative pressure gradient
of the ratio of the displacement thickness parameter, mr, is decreased. This is in
to the boundary layer thickness [71 (8). agreement with experimental obsmrvations
The two curves in the figure represent the and may explain the apparent scatter of
relation between these viscous parameters the results in the previous figure.
for Coles' wall-wake description of the
turbulent boundary layer profile, denoted Unfortunately, not many results detailed
W-W, and the Sandborn-Kline correlation enough to asses. the quality of the pres-
for incipient "detachment", denoted I-D. ent approach - here, most of all, exper-

The wall-wake correlation gives sepa- imental velocity profiles for comparison
ration, i.e., Cf = 0, at A = 0.5 and a with the corresponding wall-wake profiles
shape factor of H = 4, which is the value are needed - are available. Cross applied,
for equilibrium flow. The Sandborn-Kline therefore, boundary layer calculations,
correlation intersects the wall-wake curve employing an entrainment integral method
in a region where the experimentally in conjunction with the boundary layer
observed separation points are centered; profiles described by his revised version

A. the experimental data points show, howev- of the wall-wake law to shock boundary
er, a large mount of scatter around the layer interaction considering the shock
intersection, with shape parameters rang- simply as a very strong adverse pressure

gradient [9]. Figure 10 shows as an

%_.



f . example of these calculations the distri- the breakdown limit for shock/vortex
bution of the skin friction coefficient interaction is depicted as function of the
together with the pressure distribution initial rate of svirl, i.e., the ratio of
[111 used as input to the boundary layer the maximm tangential velocity to the
calculations. One observes from the com- axial velocity upstream of the shock,
parison with experiment that the computed defined in the left-hand part of the fig-
response of the boundary layer to the ure, and the (uniform) shock upstream Mach
shock is correctly predicted so that one number representing the pressure jump
can expect the separation correlation of across the shock [13]. The limiting curve
rig. 9 to be valid, even for rather strong indicates that the initial rate of swirl
adverse pressure gradient flows. However, has to be decreased with increasing shock
much more detailed experiments, including strength if vortex breakdown is to be
velocity profile measurements, are needed avoided. Insensitivity to viscous effects
for ,he final validation of the approach is derived from the fact that there is
to separation prediction just described, excellent agreement between the exper-imental results shown and inviscid calcu-
VORTE FLOW lations based on a numerical solution of

the Ruler equations. These results are
Considering vortex flow, Dr. Kraft of the supported by data for less severe sus-
Research Committee concluded in him review tained adverse pressure gradients which

' that, in the large, research has not been have shown that vortex breakdown is
performed to address the issues of sub- essentially dominated by geometric condi-
scale simulation of vortical flows so that tions of the wing and the external pres-
the most pressing need is here a system- sure gradient.
atic scaling law analyses to be performed
for the vortical flows of interest. Still, BOUNDARY LAYER DEVELOPMENT AND MANIPU-
one may argue that for the correct simu- LATION
lation of the vortical flow development,
it seems, first of all, important to Regular Boundsry Layer Development and Environ-
duplicate the full-scale separation line mental Effects
and avoid the secondary separation if it
is not present at full-scale conditions.
This is likely to ensure, at least, the Looking at the boundary layer development
correct vortex trajectory. Concerning - the laminar development, transition and

separation lines, guidance as to critical the turbulent development - one may dis-

viscous parameters may, of course, be tinuish between the regular or classical

obtained from the discussion of shock development, the evolution of the boundary

boundary layer interaction and classical layer under the influence of the wind
separation. The proper type of the bound- tunnel environment and the development

ary layer at separation, i.e., laminar, influenced by boundary layer manipulation.
transitional or turbulent, must, of Concerning the classical boundary layer
course, also be ensured. and here first the laminar boundary layer

development, it was judged by Dr. Michel
of the Research Committee that its the-*Considering the different types of worti- oretical treatment is "well in band". For

cal flows listed in Fig. 3, one can sepa- eil trtent indelland".,For
rate these flows into the ones sensitive equilibrium turbulent boundary layers, it

was indicated by the same source that the
to viscous changes, I.e., Rfynolds number numerical codes available today are able
and insensitive To the first category to predict the boundary layer development,
belong vortices off bodes and round at least for incompressible flow, up to
leading edge wings, to the second category separation. For compressible flows, tur-
vortices off sharp leading edge wings and bulence modelling is, for certain condi-
vortex breakdown and shock/vortex inter- tions - remember we are considering equi-
action; for the latter viscous simulation librium boundary layers - still insuffi-
is not a major issue. Examples for the two cient. These conditions include the pres-~categories are presented in Fiure 11,eence of wall curvature and a non-adiabatic
where the angle of streamwise incidence wall temperature distribution.
for the formation of spiral vortices is
shown as dependent on sweep, wing thick- I want to demonstrate the importance of
ness, i.e., essentially leading edge the correct assessment of non-adiabatic
radius, and Reynolds number [12]. One wall conditions by considering its influ-
observes that, for a given sweep angle, a ence on shock boundary layer interaction,
spiral vortex develops off the sharp Figure 13. It should be noted that the
leading edge wing at very low incidences discussion may also be taken as a demon-
and that the onset of vortex formation is stration of a possible boundary layer
completely independent of Reynolds number, manipulation technique but also as a
For the round leading edge wing, a strong potential unwanted model related environ-
Reynolds number dependence of the onset mental effect in the case of cryogenic
of vortex formation exists, which means wind tunnel testing. The results shown in
that h e is a need for viscous simu- the present figure were obained by Inger,
lation. Lynch and Fancher [14] employing a modi-

Another type of vortical flow development, fied version of Inger's shock boundary
essentially inviscid in nature, is, as layer interaction solution [151 which
mentioned above, shock vortex interaction. operates with four independent input par-
This in demonstrated In Figure 12 where ameters as indicated in the figure

, n l i' mli *Eli II -n
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namely, the shock upstream Mach number, ations and the various - but few - exper-
the local Reynolds number based on dis- imental data available for swept wings, a
placement thickness, the incompressible cross-flow instability transition crite-
shape factor and the wall to boundary rion was established relating, as shown
layer edge temperature ratio, Tv/T e . in the right-hand part of the figure, the
Depicted are the upstream and downstream Reynolds number based on the displacement
chordvise spread of the shock associated thickness, formed with the profile in the
pressure rise, denoted Lu and LD, respec- direction e = Cmin at transition, to the
tively, as function of the wall temper- streamwise shape factor H1 and the free-
ature, both quantities referenced to adi- stream turbulence level Tu. One observes
abatic conditions. Considering first the that the present approach to the predic-
pair of curves restricted to the lower tion of transition due to cross-flow
part of the right-hand diagram, denoted instability provides a rather good
Hil fixed, one observes that the influence description of the experimental results.
of heat transfer on shock boundary layer With regard to the transition Reynolds
interaction is rather small if heat number, as defined here, it is seen that
transfer occurs only "localized", i.e., this Reynolds number increases - at the
confined to the interaction region. The lower turbulence levels very rapidly -
curves labelled Tw-effect, i.e., wall with increasing shape parameter and with
temperature effect, on Hil included rep- decreasing turbulence level, the latter
resent a condition where the cumulative being for transition due to longitudinal
influence of a non-adiabatic wall temper- instability a well-documented fact. One
ature distribution upstream of the shock of the particular merits of the effort
on Hil, i.e., the incompressible shape conveyed here, is , of course, the qual-
factor immediately upstream of the shock, itative assessment of the influence of the
is taken into account. Here, a large wind tunnel environment on transition due
dependence of the chordwise spread of the to cross-flow instability. As mentioned
pressure increase due to the shock on the above, much more research is required in
deviation from adiabatic wall conditions this area.
is evident. This shows that in a viscous
simulation process, wall cooling is a Using the criteria for the various possi-
rather powerful tool to control shock ble modes of transition as outlined, for
boundary layer interaction and that, instance, by Dr. Michel in the Research
accordingly, an accurate prediction of the Committee report, i.e., criteria for
non-adiabatic boudary layer development transition due to leading edge contam-
is necessary. The results confirm, fur- ination and stleamwise and cross-flow
thermore, that the shape factor Hil is one instability, a parametric study was car-
of the dominant viscous parameters in ried out by ONERA/CERT in order to show
scaling the shock related upstream influ- the combined effect of pressure gradient,
ence. sweep angle and Reynolds number on tran-

sition [171. A representative result is
Boundary layer transition still carries a shown in Figure 15 based on the pressure
great number of open questions and much distribution depicted in the upper right-
more research is needed in the experimen- hand corner of the figure for the angle
tal as well as the theoretical domain. Our of incidence of a = 0. One observes that
knowledge concerning, for instance, the transition due to longitudinal instability
influence of noise, freestream turbulence progresses only slowly upstream with
and surface roughness on three-dimensional increasing Reynolds number. Once cross-
transition - as it occurs on a swept wing, flow instability commences to dominate the
say, where cross-flow instability may be flow development, a very rapid upstream
dominant - is totally insufficient. In movement of the transition point takes
briefly touching transition, I would like place with Reynolds number which is due
to consider, therefore, the derivation of to the strong negative pressure gradients
a criterion for three-dimensional transi- attendant over the initial 40 percent of
tion again combining a demonstration of, the chord. At the upper end of the Ray-
what was termed, the regular boundary nolds number range considered, leading
layer development with the one affected edge contamination results in the boundary
by-he environment, layer being completely turbulent over all

of the wing. Note, that the pace of the
In their - actually well known - treatment transition point movement is rather
of cross-flow instability, Coustols and strongly affected by the sweep angle.
Arnal tried to take advantage of results
given by laminar stability theory by Boundary Layer Manipulation
applying them to three-dimensional bound-
ary layers [16). In doing so, they con- Concerning boundary layer manipulation,
sider, at a given streamwise location, the already briefly addressed in the preceding
stability properties of different velocity section, one may distinguish between
profiles, Ue, which are projections of the manipulation devices that promote or delay
actual profile into various directions c, transition in a desired fashion and
as indicated in the left-hand part of devices that predominantly affect the
Figure 14, starting with the cross-flow development of the turbulent boundary
profile c - 0. Stability calculations for layer - these devices are, of course,
these profiles revealed the existence of sometimes identical. In the first catego-
one most unstable direction, here desig- ry, boundary layer tripping ia the most
nated as 9min . Based on these consider-

. .,J
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widely applied and perhaps easiest bound- Shook boundary ayer interaction: Shock bound-
ary layer manipulation technique to use, ary layer interaction, one of the most
although limited in its range of applica- important critical flow phenomena in the
tion by the attendant model pressure die- present context, comprises three main
tribution. A frequent question associated elements whose viscous simulation in low
with boundary layer tripping is related Reynolds number wind tunnel tests must be
to the boundary layer properties down- ensured:
stream of a given tripping device in com-
parison to the properties of a boundary The upstream influence, which rules
layer having gone through natural transi- the interactive pressure gradient
tion, especially with respect to the imposed on the boundary layer, was
velocity profile and the turbulence found to be only dependent on the
structure. Because of the wide utilization viscous parameter 61 (Hjl-l), where 61
of tripping and the consequences to vis- and Hil are the diaplacement thickness
cous simulation, should strong deviations and the incompressible shape factor,
in the subsequent boundary layer develop- respectively, immediately upstream of
ment from a naturally transitioned bound- the shock,
ary layer occur, I want to address this
issue here as the only further one con- incipient separation, found to be
cerning manipulation. rather insensitive to viscous effects,

hence not problematic to viscous sim-
Figure 16 shows the measured velocity ulation, and
distributions in the boundary layer down-
stream of a tripping device, consisting the development of the shock-induced
of 0.015 inch disks, compared with the separation bubble with increasing
classical law of the wall and logarithmic shock-upstream Mach number (shock
velocity profiles for a turbulent boundary strength), found to be mainly depend-
layer. The data were obtained at AEDC on ent on the momentum thickness imme-
a 7-degree cone at a freestream Mach num- diately upstream of the shock.
ber of M. = 0.60 [183. It is seen in
Fig. 16a that immediately behind the trip The full-scale values of the viscous par-
- the trip was located at 16 inches - the ameters indicated above must be duplicated
velocity profile is representative of a in the low Reynolds number wind tunnel
transitional profile following, however, tests for the correct simulation of full-
predominantly a laminar characteristic, scale shock boundary layer interaction.
Further downstream, the mean velocity There remain, however, within the present
distribution turns into a fully developed context, several unresolved issues which
turbulent profile, as indicated in require further experimental and theore-
Fig. 16b. tical research effort:

The Reynolds shear stress distribution in The results, summarized above, are
the fully transitioned boundary layer partly based on a rather limited num-
downstream of the disk trips reflects ber of experiments so that, especially
correspondingly, as indicated in Figure in three-dimensional flow, well de-
17, the same behavior as a naturally signed experiments must be carried out
transitioned turbulent boundary layer, the on realistic configurations to confirm
latter marked by the circles. It should the dominance of the viscous parame-
be noted that natural transition occurred ters identified above.
here between 18 and 20 inches while the.
tripping device, as mentioned above, was Although there is some positive evi-
located at 16 inches. From the results dence, it must be conclurively deter-
depicted in Figs. 16 and 17 one may con- mined how closely the boundary layer
clude that distributed three-dimensional parameters at the downstream face of
tripping elements, such as the disks con- the shock boundary layer interaction
sidered, produce, at least in the absence region (e.g., h", 6, H) correspond to
of pressure gradients, the same type of the ones for the (higher) Reynolds
boundary layer as natural transition, number to be simulated.
Investigations like the present one are
also needed for realistic configurations Partly as a consequence thereof, one
with pressure gradients. must investigate whether the simu-

lation of the high Reynolds number
SUMMARY OF FUTURE RESEARCH REQUIREMENTS trailing edge flow behavior is ensured
AND CONCLUSION - or what degree of approximation can

be achieved - if the shock boundary
In the preceding section only a very few layer interaction is simulated cor-
results of the study of the Research Com- rectly. Proper simulation of the
mittee were given in some more detail, the trailing edge flow conditions is, of
purpose of it having been, in essence, a course, required to obtain in airfoil
demonstration of the approach the Research or wing flow the correct full-scale
Committee has taken and of the type of shock location and strength.
results to be expected in the full com-
mittee report. In concluding I want to There are some more - but not as pressing
summarize relevant findings of the - open issues related to shock boundary
Research Committee placing emphasis on layer interaction, such as, for instance,
research most urgently needed (also see the effect of turbulence amplification and
Figure 1). generation due to the interaction on
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trailing edge flow, for details of which the shape factor and the turbulence
the reader is referred to the committee structure. How closely these parameters
report. (This holds, naturally, for all must be duplicated to simulate full-scale
topics considered in this section.) flow - or whether it is sufficient to just

avoid separation, should it not occur at
Classical separation and trailing edge flow: It was full-scale conditions - is not known and
indicated above that, concerning classical requires additional experimental and the-
separation within the present context, two oretical studies (also see the simulation
critical locations where such separations of shock boundary layer interaction).
may occur could be identified: the leading
edge region where the incoming boundary Vortex flow: For the correct simulation of
layer may be laminar and the trailing edge the vortical flow development it seems,
region where, for all practical applica- first of all, important to duplicate the
tions, a turbulent boundary layer pre- full-scale primary separation line. Here,
vails. Laminar separation bubbles with guidance concerning critical viscous par-
transition within the separated region, ameters may be obtained from the discus-
likely - but not exclusively - to be pre- sion of shock boundary layer interaction
sent in low Reynolds number wind tunnel and classical separation. The proper type
tests for pesky-type pressure distribu- of boundary layer at separation, i.e.,
tions, may have a large effect on the laminar, transitional or turbulent, must,
turbulence structure at and downstream of furthermore, be ensured. Basically, it was
reattachment, hence on the subsequent found in the review of the present sub-

turbulent boundary layer development. ject, however, that, in the large,

Adequate turbulence models in a suffi- research has not been performed to address
ciently general form still have to be the issues of subscale simulation of vor-
developed for this type of flow and suit- tical flows. To alleviate this deficiency,
able experiments must be devised to the following research is needed:

achieve this goal.
A systematic scaling law analysis must

The parameters governing classical turbu- be performed on vortical flows of
lent boundary layer separation are the interest. Appropriate length scales
shape factor H and the relative pressure and physical phenomena must be iden-
gradient parameter Wr, the latter tified as a guide to proper subscale
accounting for the degree of deviation of simulation. The scaling laws deter-
the boundary layer profile development mined must be evaluated against the
from equilibrium conditions. Here, most full-scale flow development.
of all, a further improvement of theore-
tical methods for the prediction of the . Systematic studies of the influence
two- and three-dimensional boundary layer of boundary layer tripping on vortex
development leading to separation is separation are needed. Specific
needed together with the establishment of objectives are to determine the
accurate shape parameter correlations, influence of the state and condition
especially for three-dimensional flows, of the incoming boundary layer, as
Generally, it was concluded that altered by tripping and tripping

techniques, on symmetrical and asym-
* an improvement of turbulence modeling metrical vortex shedding on forebod-

is required for all situations where ies, reattachment and secondary vortex
a strong interaction between the outer formation on sharp leading edge wings,
inviscid flow and the boundary layer shock-induced vortices on sharp edged
occurs and that wings with supersonic leading edges

* theoretical methods are increasingly and primary vortex separation on round

becoming available which, though ini- leading edge wings.
tially developed largely from thel dVortex breakdown was found to be dom-
consideration of simpler flows, aim
to treat very complex flows involving inated mainly by geometric conditions

separation, large normal pressure on the wing and the external pressure
gradients and shock waves. These gradient. Here, one last conclusivemethods require for validation and experiment needs to be performed to
improvement thorough experiments confirm the independence of vortex
wiprovent thrugh dexrimeont obreakdown (and similarly shock/vortex
which provide a full description of interaction) on Reynolds number.

the incoming boundary layer giving all

relevant flow parameters and boundary It is strongly urged that in all exper-
conditions, such as skin friction, imental research, >ody surface pressures,
velocity profiles, pressure gradient surface skin friction lines, surface
parameter, skin friction lines in streamline visualization, vortex trajec-
three-dimensional flow and so on. tory visualization and vortex core veloc-

The simulation of the trailing edge flow ities be obtained. These multiple pieces
of information are necessary to understanddevelopment - attached or separated - on the detailed behavior of the flow. It is

the upper and lower surfaces of an airfoil also recommended that - as in the case of
or wing should be such that the correct all critical flow phenomena - CFD be used
circulation is obtained. Important pars- to gain further understanding of vortical
meters to be considered here are the flow features.
momentum lose, the displacement thickness,
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inmuliatlsm: Concerning the laminar boun- ents still require more detailed
dary layer development, it is reasonable experimental and theoretical atten-
to state that its theoretical treatment tion, especially with regard to the

for weak interactions with the outer flow relation between pressure gradient and
field is, for all relevant configurations, the mixing length of the external flow
*well in hand*. For classical equilibrium and its influence on the character-
turbulent boundary layers, it is reason- istics of the turbulent boundary lay-

able to assume that the numerical codes er. Also needed are more detailed
available today are able to predict the studies of the effect of turbulence

Cboundary layer development, at least for scale on the boundary layer develop-
incompressible flow, up to separation. For ment.
compressible boundary layers, turbulence
modelling is, for certain conditions, The effect of external turbulence on
still insufficient: More systematic certain flow phenomena, such as, for
experimental and theoretical studies must instance, shock boundary layer inter-
be conducted in order to obtain fundamen- action and trailing edge separation,
tal data on the structure of turbulence, has not been sufficiently investi-
especially at non-adiabatic wall condi- gated. There is, however, some evi-
tions and in the presence of streamwise dance that fairly high turbulence
wall curvature. Also much needed is fun- levels, usually not found in contem-
damental research on turbulent boundary porary wind tunnels, seem to be needed
layers at high Reynolds numbers for which before any effect on such flow phe-
cryogenic wind tunnels now provide an nomena is felt.
excellent tool.

The information on the influence of
Boundary layer transition still carries a wind tunnel acoustical disturbances
great number of open questions and is not well defined beyond the cut-off
research is needed in the experimental as turbulence intensity of 0.3 %, yet the
well as the theoretical domain. Needs for noise spectrum characteristics are
experimental studies are particularly critical for the transition location.
pressing in three-dimensional flow: Here, well designed experiments where

the influence of the various disturb-
i, Transition criteria have been estab- ance sources can be separated are

lished based on but a few experimental required.
data. These criteria must be verified
in experiments where the main influ- In order to better understand the way
ence parameters are systematically certain environmental disturbances act on
varied. the boundary layer characteristics

(receptivity), improved theoretical meth-
Knowledge concerning the influence of ods must be devised.
noise, freestream turbulence and sur-
face roughness on three-dimensional It is obvious that, left to its own
transition is totally insufficient, development, the boundary layer on a model

in subscale simulation may have little
* Transition criteria must be estab- resemblance, in general, to the boundary

lished for realistic transonic con- layer on the full-scale vehicle. Conse-
figurations where pressure gradients quently it is inevitable that some sort
play an essential role. Rere, research of boundary layer manipulation will have
is especially needed on the effect of to be performed. For the simulation proc-
wall temperature on transition since ess it is most important, of course, that
the influence of wall temperature is the viscous parameters that must be con-
highly dependent on the attendant trolled on the model are known for each
pressure gradients. fundamental test requirement. Boundary

layer manipulation techniques must then
Concerning (stability) theory, it is be developed that produce the desired
judged that the amplification method (e

n
) control of the relevant parameters; pri-

is the most promising approach to transi- mary "manipulators" are here boundary
tion prediction in the present domain of layer tripping, boundary layer suction and

interest, provided all effective parame- surface cooling. Research must, most of
term - such as freestresm turbulence and all, be performed
noise - are properly accounted for.

to explore the effectiveness of boun-

It was found that, although a wide body dary layer manipulation devices for
of information is available in certain families of favorable and adverse
areas, environmental effects have gener- pressure gradients and to develop
ally not been studied in a systematic and correlations that define the boundary
well organized manner. Major deficiencies layer parameters, such as Hi, 6/c,
in that regard, hence research needs, are 0/c, that will occur downstream of a
especially seen in the following areas: specific manipulation device, and,

furthermore,

The influence of external turbulence
on characteristics of the turbulent * to determine the flow structure in a
boundary layer has mainly been studied transitioned boundary layer down-
for sero-pressure gradient flows; stream of a cross-flow instability or

I
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leading edge contamination induced (91 Cross, A.G.T., "Boundary Layer
transition in order to evaluate the Calculations Using a Three Para-
adequacy of conventional tripping in meter Velocity Profile", BAe
simulating other than streamwise Brough Report No. YAD 3428,
instability transition. December 1980.

Finally, non-intrusive boundary layer [10) Coleman, W.S., "Mean Field Devel-
measurement techniques Dust be improved opment of an Incompressible Fluid
and developed to the point of practical in Turbulent Shear near a Wall",
application since the identification of BA. Brough Report, unpublished,
the transition location and the dete-mi- Feb. 1974.
nation of the magnitude of dominant vis-
cous parameters is an integral part of [11I Cook, P.R., McDonald, M.A., Fir-
boundary layer manipulation. In addition, min, M.C.P., "Aerofoil RAE 2822 -
the use of CFD to infer viscous parameters Pressure Distributions, and Boun-
that cannot be easily measured should be dary Layer and Wake Measurements",
explored. RAE TM 172S, Sept. 1977.
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CORRELATION OF DATA OF FIG. 5
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FLOW PHENOMENON DOMINANT NEEDED FUTURE RESEARCH
PARAMETERS

SBLI

- Upstream influ- [6 /c][il-l] - Verification of dominant parameters especially
ence in 3-D flows

- Incipient sepa- Hil, M - Boundary layer parameters downstream of SBLI
ration region in relation to full-scale flow

- Separation 91, 14 - Is additional manipulation of trailing edge
bubble flow required?

- Importance of turbulence generation/amplifica-
tion to trailing edge flow

- Improve theory

CLASSICAL SEPARA- Hi, lTr - Improvement of theoretical methods to account
TION/TRAILING EDGE for non-equilibrium effects in 2-D/3-D flows.
FLOW 6*, 0 Establish shape factor/pressure gradient pars-
(also see non- meter correlation for 3-D flows
equilibrium bound- - Improve turbulence modelling for flows with
ary layers) transition occurring in laminar separation

bubbles
- Improve turbulence modelling for strong
viscous/inviscid interactions

VORTEX FLOW For primary sepa-, - Conduct scaling law analysis for vortical
ration line see flows. Identify appropriate length scales
SELI and CLASSI- - Determine the effect of tripping (state and
CAL SEPARATION condition of incoming boundary layer) on

vortical flows of interest

BOUNDARY LAYER
DEVELOPMENT
- Equilibrium - Turbulence modelling in the presence of

turbulent Tw/Tw # 1 and curvature
boundary layer - FundaAntal research at high Reynolds numbers

- Transition - Verify transition criteria
(also see en- - Influence of noise, turbulence and surface
vironment) roughness on 3-D transition

- Establish transition criteria for realistic
transonic configurations. Effect of Tw/TwAD
for dp/dx 0 0

- Non-equilibrium - Provide experiments with a complete descrip-
boundary layers tion of the incoming boundary layer (velocity
(also see clas- profiles, wall shear stress, etc.)
sical separa-
tion)

ENVIRONMENT - Influence of external turbulence on turbulent
(also see transi- boundary layer for dp/dx # 0
tion) - Effect of turbulence scale on turbulent

boundary layer development
- Effect of turbulence on certain flow phenomena

(SBLI, classical separation)
- Influence of noise on transition at Tu > 0.3 8
- Improve develop/theory

MANIPULATION - Effectiveness of boundary layer manipulation
devices for dp/dx # 0. Define boundary layer
parameters (Hi, 6 , 0, turbulence structure)
downstream of specific manipulation devices

- Boundary layer structure downstream of cross-
flow instability transition in comparison to
tripped boundary layer

- Improve non-intrusive boundary layer measure-
ment techniques

- General: Find an inexpensive device that is
easy to install, remotely controllable, does
not disturb the flow and also measures the
boundary layer condition upstream of
"critical" flow phenomeia

+SjLI S Shock boundary layer interaction.
6 ,, Hi  Displacement thickness, momentum thickness,

incompressible shape factor.
wr Relative pressure gradient parameter (see Fig. 9).

_ ! Tw I Wall temperature.
Subscripts: I E upstream of shock AD E Adiabatic wall conditions

Figure 18t Summary of results and preseerch requirements.
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"glad Tunneol Boundar Layer 84--tton and Control"

A. ELesiar
National Aerospace Laboratory I0A

Anthony lofrkerweg 2. 1059 CM Amterdam
The Netherlands

1. ZRUCTZON

Th change In flow development with Reynolds number, commonly referred to as the Reynolds number
Seffect, bure both attracted and annoyed the aerodynmic community for aam tims now. It annoys the aero-

dynamic designer wh lbre to predicnt from su-sa wind tunnel toos the aircraft performance. A usjudgo-
sent of the manitude of the Reynolds nmber effect may lead to an over- or underestimation of flight per-
forominc reulting In *cosomic loen. In the worst came a costly required durin the period offlight teting. The qustio of Reynolds numbe effects attract* the acrodynalat bac of its vary

fundentl n dture: a thoro h undretanding of viscous flow ph a heirn e e ir interactins with the
onvhscid flow field is required to helain Recvolds anmber effects.

An lonas routine wind tunn testing at the ectuil flight Reynolds smber Is om t posible other
waysenat by found to se th experimental yolds mrbiti o. Btasiglly. Reynolds amer effects or-gint from a ReyTnolds number dpendency of a vicu shear layer close to the body surface and its Latr-
act~on with the outr faviscid flow field. It the boundary layer can be maipulated In the win tassel

much that Its developmnnt at it Reynolds tmbrs pe claely apreited ow se resnt shoenold the
proper b da? ondition and the overall flde dvelopment than be very similar "ith this i windthe AGtAtD Fluid Dynamics Panel formed In 1984 Working Group 09 "Wfind Tommal Boundry Layer Simulation and
Control"

. 
The weorking gr'oup has split their activities nto three Commttees. Reoview. Research and Metbo-

dology. Thi-I paper only reports the findings of the Review Committee. Use is also mad* of information
collected by the present author "s prt of a contribution to an AGRogah on Reynold* number effects.
The baic pueatione that will be addressed in thi paper are: "Wdhat do we know at present about Reynolds
number effects?" and "What has been done n the pst to ease the Rynl 

- 
number problem?"

2. SOM FUNDA NTAL ASPKCTS

Excellent reviews on Reynolds number effects can be found in two AGARD publications by Hell (ref. 1)
and Green (ref. 2) both published n 1971. Som of the more fundamental spects will be recalled here.
Prandtl was the first to make a basic distinction between an inviscid outer flow end a usually thin
viscous layer close to the surface. Thes two flow regions interact with each other. At high Reynolds
numbers the typical scale of the thickness of the viscous layer is emall compred with the typical length
scale of the body in streawese direction. The two flow fields can then be formally decoupled. The devel-
opment of the viscous shear layer is governed by an externally Imposed pressure distribution (that follow
from the inviscid flow), subject to an initial condition (e.g. at a etegnation point) and a no-slip condi-
tion on the body surface. This viscous flow ec be described by the boundary layer equations, a thin layer
approximation of the full Never Stokes equations. The Reynolde number is explicitly present in these
equations. The thickness of the viecous layer varies typically as Re-i. For turbulent boundsry layers the
Reynolds nmber dependency is wore implicit and, for well-bounded flows, hidden in the ar-well forsula-
tion of the turbulence model (as reflected in the "law of the Iail"). Its thickness varies typically as
Re-1/5. Turbulent free shear layers ere only Reynolds number dependent In gofer es their initial condi-
tions are effected by Reynolds nmber. The eubeequent development of the free shear layer is basically
Reynolds nmber independent (ref. 3).

The effect of the shear layer development on the external flow field can be expressed an a displace-
sent effect or an effective outflow on the body eurfce or along a dividing streamline. As a result the
external flow field is mdified. When the boundary layer closely follows the body surfece, the basic
structure of the external flow is not changed by this interaction. One speaks of "weak interaction".
However, whan the viscous shear layer breakee away from the surface ("mesoive separation") the external
flow field i drastically changed mnd so are the aerodynamic characteristics. The viscous and iwViecid
flow field can then only be treated simultnuously ("Strong interaction"). The occureance of flow
seperation marks an Important point in the flow development and depends on the viscous flow development

*upstream of the separation point.
With this in mind a distinction can be made between direct and indirect Reynolds number effects. The

direct Reynolds number effects are the effects of Reynolds amber on the viscous shear leyer development
for a fixed ("frosen") pressure distribution. They can be studied s isolated phenomena. Typical examples
ere the effects of Reynolds number on boundary layer transition. boundary layer displecment thickness and
skLn-friction. (incipient) separation and shock wave boundary layer interaction. Some of these effects can
be dicontinuous like a sudden movement of a trensition point, the break-down of a vortex or the burst of
a laminar separation bubble. All airfoils experience one or sore direct Reynolds number effects but it
will depend on the pressure distribution and the Reynolds number rang which effects actuelly occur.
Indirect Reynolds nuer effects are defined here es the chenge in prme.ire distribution due to the direct
Reynolds nmber effects. Typical exzmplea are the change in shock strength and position or a variation in
treiling edge pressure due to a Reynolds nunber Increase. The magnitude of the indirect Reynolds number
effect will depend on the sensitivity of the external flow to a change in the viscous boundery condition.
Flow seperation will generally cause a large variation in pressure distribution ("se e.g. fig. 10 and 12
to he discussed later). But it is also well known that some supercritical airfoils are very sensitive to
small disturbances ner the design condition (see e.g. fig. 21). Smll direct Reynolds number effects
might then cause large changes in pressure distribution. Direct and indirect Reynolds nmber effects are
indicated schemtrically in fig. 1. In the next sections this distinction will he used frequently as a
logical frem work for the discussion of Reynolds number effects. In these sections argemnts will be
presented in support of the tentative table added to figure 1 that indicates uwich of the two effects is
dominant for a particular aerodynamic characteristic.
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3. EARLY EVIDENCE OF REYNOLDS N WDFFMCTS: THE D#ENUACB OF BOUNDARY LAYER FIXATION.

The importance of Reynolds amber as the basic scaling parater in viscous flow has been recognized
from the beginning of theoretical aerodynamics. This Was also reflected in the experimental facilities
that were constructed before the second world war. like the EACh "Variable Density Wind Tunnel" and "Low
Turbulence Pressure Tunnel". Experiments in these facilities revealed a favourable affect of Reynolds
number on meximam lift. This in not unexpected. At Low Mach numbers and high lift conditions the prersure
peek near the leading edge ensures a turbulent boundary layer development. The separation of this tur-
bulent boundary layer will be delayed at higher Reynolds nuters, resulting in a favourable Reynolds
amber effect. Vith the advancement of tramsonic flight this simple view became somewhat obscured. In wind
tunnel tests at transonic flow conditions a decrease rather than an increase in maximum lift was observed
with increasing Reynolds number. In figure 2 and 3 sore recent examples are given that show a eimilar
behaviour. Theme results (of a supercritical airfoil) indicate at Mach - .6 a still very weak Reynolds
nmber dependence whereas a strong adverse effect is found at Mach -. 75. In one of the early wind tunnel
studies on Reynolds number effects (ref. 4) a significant change in pressure distribution was observed
when the leynolds number wae Increased (fig. 4). These pressure distributions are characterized by a
region of supercritical flow with a favourable pressure gradient terminated by a shock wavs. At a low
Reynolds nmber the boundary layer will be laminar but when the Reynolds amber is increased the transi-
tion point will move towards the leading edge. The observed Reynolds number effect on the pressure distri-
bution appeared to be related to a fundamental difference between lminar and turbulent shock wave boun-
dary layer interaction as noted already by Ackeret at &I in 1946 (ref. 5). It wee argued at that time that
transition fixing at low Reynolds numbers should make the pressure distribution sore comparable with
flight. The problem of shock wave boundary layer interaction was discussed further by Pearcey and Holder
in 1954 (ref. 6). A sudden drop in trailing edge pressure wae noted for shock Mach numbers between 1.22
and 1.24 and it was argued that this was related to shock-induced boundary layer separation. Scale effect
was not specifically addressed although it we mentioned in a footnote that for a proper comparison with
flight "Che tunnel teats should, of course, be made with transition fixed". The case for transition fixing
was discussed in sore detail by Raines, Holder and Pearcey, also In 1954, who stated that "the major scale
effects at high subsonic and transonic speeds arise from differences between the conditions under which
the Iminar and the turbulent boundary layer separate end how they behave after separation" (ref. 7).

The message of the We's that artificial boundary layer fixation significantly affects the pressure
distribution, has been confirmed since then numerous times. As was noted before, pert of this effect is
due to a fundamental difference in the interaction of a shock weve with either a laminar or a turbulent
boundary layer. Since In the laminar boundary layer the sonic line Is further sway from the surface, the
upstream interaction of the shock can extend over a much larger distance , resulting in a wider compres-
sion fan that weakens the shock strength locally. This in reflected in the pressure distributions as shown
in figure 4a. A second, equally important effect is the smaller displacement thickness of a laminar
boundary layer as compared with a turbulent one. This difference is particularly important in the trailing
edge region of en airfoil since this defines the "viscous" Kutt condition end hence the overall circula-
tion. Because of the large influence of the overall circulation on the shock strength and its position &
large effect of transition fixation can be expected on the pressure distribution. The effect will be parti-
cularly severe for modern airfoils with substantial aft-loading as i the case for the airfoil shown in
figure 5.

When the Reynolds number is increased, the natural transition position moves upstream and this causes
large, discontinuous changes in the aerodynamic coefficients that are absent when the boundary layer is
tripped artificially (fig. 6). Transition point variations can also be initiated by a change in pressure
distribution with incidence or Mach amber, resulting in peculiar bends in the CL-n and CL-Cm curves (fig.
7, 8). These variations are strongly felt in the drag, since the drag of a laminar boundary layer Is
appreciably less than the drag of a turbulent boundary layer. This combination of a direct (viscous drag)
and an indirect (shock-wave strength) Reynolds number effect is mst pronounced in the compressibility
drag (fig. 9). These examples show that without boundary layer fixation qualitatively misleading results
can be obtained.

It is good practice, especially for drag evaluation, to test a baseline configuration with forward
fixation. Nevertheless free transition tests are sometimes favoured with the argument that the pressure
distribution and notably the pitching moment, will be sore simllar to flight in view of the thinner
laiuar boundary layers at the low tunnel Reynolds amber. This might be true in te specific cases, but
the favourable effect of a laminar shock wave boundary layer interaction and the irregular effects due to
transition point movements impose serious restrictions. There is, however, a potential problem with

forward fixation. The thicker turbulent boundary layer cen separate at the trailing edge at the low tunnel
Reynolds number. This effect was noted already by Gamble (ref. 4) in 1951. He suggested a sore aft
fixation location in that case (see fig. 4b), a technique that appears to be the main item of the AGARD
Working Group 09.

4. CONCER IN THE SIXTIES: TYPE "A" AND "B" SEPARATION

In 1966 a NASA report (ref. 8) written by Loving wae published that showed large differences in
pressure distribution between wind tunnel and flight for the C-141 aircraft (fig. 10). Loving wrote: "the
purpose of the discussion is to caution experimenters concerning the use of wind-tunnel results in pre-
dicting flight loads and moment@ when supercritical separated flow is present". Figure 10 is most likely
the moat referenced figure in publications on Reynolds number effects. Test engineers at that time had
done their homework as discussed in the previous section and wind tunnel tests were made with fixed tran-
sition. But obviously, this ms not sufficient to ensure similarity with flight. In a publication by
Poarcey, Osborne and haines in 1968 (ref. 9), a physical model was postulated that explained the pheno-
menon in more detail. The transonic flow on airfoils as used up to the id-fiftig was dominated by a
strong shock nove with separation rapidly developing from shock to trailing edge with increasing incidence
or Mach mer. They classified this type of flow as class "A" separation (see fig. 11) and considered it
to be weakly Reynolds amber dependent in view of the dominant effect of the shock. However, the combina-
cion of a more controlled shock wave development and significantly sore aft-loading as applied in modern
airfoil designs could provoke "classical" (low speed) trailing edge separation even before the shock
became important. Also, from low speed experience, trailing edge separation was knmm to be Reynolds
number dependent. They noted "It is not surprising, therefore, to find these sensitivities carried over
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into flows In which rear separation and the local effects of the shock interact with one another, norndi~id to find them amplified by the nteraction-
. 
They named this class "B" spartion (fig. 11).

The C-141 case was considered to be a good exmple of class "B" separation. Note that the effect of
Reynolds mumber on the pressure distribution is somewhat similar to the effect of boundary layer fixation
(as ibm in fig. 5). In both cases the Important phenomenon is the development of the boundary layer
close to the treiling edge and its nfluence on the overall circulation. This effect will be more pro-
nounced when large adverse pressure gradients are present near the trailing edge as is the case for most
modern airfoils. One should, however, be cautious in Interpreting figure 10 as the typical example of a
strong Reynolds number effect. Loving himself wrote at that tins "that the results disclosed herin should
not come as a surprise; they are merely additional evidence of the problem associated with separating
flows". This point can be further Illustrated with figure 12 where the variation in pressure distribution
with Reynolds =wer is presented for a particular airfoil just prior to and beyond maxim lift. Note the
large difference in sensitivity to Reynolds number! The large change in pressure distribution merely
reflects a shift in the separation boundary with Reynolds number (see fig. 3 for the corresponding lift
curves). Therefore, the Reynolds nmber sensitivity of this type of flow should not be expressed as a
change in pressure distribution, but as the variation of the separation boundary itself as a function of
Reynolds number. This has been illustrated in figure 13 for a number of airfoils, Including the one shown
in figure 12.

The publication by Psercey, Osborne and Ranes started a vast number of studies of Reynolds number
effects on separation. Significant progress has been made since then in the understanding of turbulent
shock-wave boundary layer interaction. (ref. 10). Empirical relations were established to relate incipient
separation or the extent of the separation bubble to local parameters. The more recent work of Fulker and
Ashill (ref. 11) is an outstanding example in this respect. They relate the bubble length to the local
iomentm thickness of the boundary layer ahead of the shock and the shock strength. Their empirical rela-
tion, replotted in a different way in figure 14, indicates a very weak dependence on the local Reynolds
number. Unfortunately, progress has been uch nore limited with respect to the understanding of the boun-
dary layer development aft of the shock bubble end up to (near) separation at the trailing edge. Progress
has been hampered by the fact that In order to calculate this flow, a proper mathematical treatment of the
viscous/invicid interaction is essential. Only the more recently developed calculation methods can headle
the strong viecous/inviscid interaction (see e.g. ref. 12).

So unfortunately some aspects of the interaction between shock induced and rear separation are still
very mach uncertain. It has been argued that at a sufficiently high Reynolds number the separation will go
from class "B" to class "A". However, Fulker and Ashill *,.owed in ref. 11 that flow break- down (separa-
tion from shock to trailing edge) is determined by the growth of the shock bubble up to a critical point
on the airfoil contour. Since only local parametars appear in the empirical relation for the bubble
length, their model doms not allow for a direct interaction between shock induced and trailing edge
separation. Their relation in fact represents the more universal direct Reynolds number effect on the
onset of separation from shock to trailing edge. But the indirect Reynolds number effect on shock
strength, mast likely to be airfoil dependent, contributes as well. Nevertheless, there is to the author's
knowledge, no clear experimsntal evidence of a significant change in trend of maxim. lift or buffet
boundary with Reynolds number caused by a change from class "B" to class "A" separation (see also figure 13).

Are there ways to simulate the Reynolds number influence on the separation boundary in the wind
tunnel? Figure 15 shows an example of how smximm lift can be increased with aft fixation in a way similar
to the effect of Reynolds number. But the important question what transition location is required to emu-
late a particular Reynolds number is still unanswered. Fulkar and Ashill suggest that their correlation
(fig. 14) can be used to determine the transition strip location such that the some bubble length relative
to the airfoil chord is obtained in the wind tunnel as in flight. But this is only valid when the shock
strength, that enters their correlation in a sensitive way, is taken into account as well and this will
depend on the trailing edge conditions. There appears to be a fundamental problem here that will be
discussed further in the next section. Sometimes the most aft fixation location (say 10 Z ahead of the
shock) is taken to be the most representative one for flight conditions. Also vortex generators can be
used in the wind tunnel (ref. 13 and 14) to delay flow break-down in a way somewhat similar to an increase
in Reynolds number (or the effect of aft-fixation) as illustrated in figure 16. The pressure distribution
will still be Reynolds number dependent in the case of massive separation from shock to trailing edge. For
these conditions Cahill and Connor (ref. 15) and Cahill and Kahn (ref. 16) have proposed a procedure to
reconstruct the high Reynolds number pressure distribution from low Reynolds number wind tunnel tests
(fig. 17). The procedure is based on a correlation between trailing edge pressure, shock location and a

kviscous flow parameter (that combines shock strength and local skin friction). The numbers in this
correlation are derived from low Reynolds number wind tunnel tests of that particular configuration. A
more universal correlation is subsequently used to express the Reynolds number influence. The technique is
mainly applied for load prediction.

5. A CLOSER LOWK: THE DRAG ISSUE

Concern about the Reynolds number sensitivity of modsrn supercritical airfoils In the late sixties
initiated two different line of action. It was argued that high Reynolds number facilities were urgently
needed. In 1971 an AGARD conferonce was organised in Gttingen on "Facilities and Techniques for Aerodyna-
mic Testing at Transonic Speed and High Reynolds Number" (ref. 17). Plans were developed to build such a
facility (ref. 18. 19) leading to the construction of NTF in the USA and the design of ET in Europe. But
at the owes ties existing facilities were used to study Reynolds number effects in a systematic way (ref.
14, 20 - 24). Initislly one was concerned from a fundamental point of view with shock wave boundary layer
Interaction and its effect on flow asparation as exemplified by the work of Staneveky and Little (ref.
25), Green (ref. 26) and Osborne and Pearcey (ref. 27). Later the attention was also directed towards
(nominally) attached flow conditions. It was again Raines who noted in 1976 (rsf. 28) that "uncertainties
(due to Reynolds number effects) not only affect the flow separation characteristics but also the drag in
conditions where the flow was attached". The argument was even carried one step further by Raines in 1979
(rsf. 29) stating that the optimization of aircraft design is greatly haMersd by the Reynolds number gap
of present day wind tunneals: "a significant increase in design lift can be achieved when the design can be
optimized for the flight Reynolds number" (see fig. 18). An excellent study of Reynolds numer effects on
compressibility dreg was made by Bleckwell of Lockheed (ref. 14, 24) in the seventies. Be studied a number
of airfoils with verying thicknoes. In general, the variations in pressure distribution appeared to be
rather small for attached flow conditions. though more pronounced for the thicker airfoils. This Was also

.____........... ... . . ._____________________, ____,___ ,___,_
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reflected in the variation of drag creep with Reynolds number (fig. 19). The thicker airfoils show a
larger Reynolds number effect on compressibility drag. Similar studies made by the present author are
fully in line with these results. In the figures 20 to 23 Reynolds number effects on the pressure distri-
bution are presented for two supercritical airfoils, a rather extreme 16Z thick airfoil (airfoil "A") end
a more conservative design of 122 thickness (airfoil "B"). It has ben attempted to make the comparison at
constant lift. The mst Important effect that can be observed when the Reynolds number is increased is a
gain of lift over the rear part of the airfoil. This i caused by a larger effective camber due to the
thinner boundary layers over the aft part of the airfoil. At constant lift, the increase in lift over the
rear of the airfoil is compensated by a dscresing lift on the forward part of the airfoil realized by a
lower incidence. Ronc, the overall effect of a Reynolds number increase at constant lift is a decrease in
angle of attack and a shift in load from the front to the rear of the airfoil as also reflected by an
Important change in pitching moment (fig. 6, 8). At constant liWt, the shock can sove upstream (fit. 20),
downstream (fig. 23) or not at all (fig. 22). This apparently inconsistent movement is the result of two
opposing trendst with increasing Reynolds number a downstream movement of the shock due to a better
pressure recovery over the rear of the airfoil resultting from the thinner boundary layer and an str
movement of the shock due to the reduced incidence to keep the lift constant. Figure 21 finally shows a
very special case: a change from a single to a double shock system. However, It Is ell known that super-
critical airfoils close to the design condition exhibit a similar change in pressure distribution with
small variations in Mach number and/or incidence. Irrespective of the shock wave movement, the shock
strength appears to decrease with an increase in Reynolds number. Since the wave drag Is very much
dependent on the shock )ach number (see ref. 12) a decrease in shock strength will be reflected in
Improved compresibility drag characteristics. This is a nice example of an indirect Reynolds number
effect that will depend on the particular airfoil charcteritica: the effect will be especially large
when the boundary layer is close to or beyond sparation at the trailing edge as is the case for airfoil
"A" (fig. 22, 23). Of course, the separation of the boundary layer near the trailing edge will have a
direct effect on the drag well, also reflected in the drag creep development. The combination of the
direct Reynolds number effect on drag due to separation and the indirect Reynolds number effect on the
shock wave strength explains the large differences in drag creep development between the two airfoils
(fig. 26). In these examples only one aspect of the Reynolds number effect on drag has been revealed but
other phenomena can be important as well. A typical example was presented by Raines in rsf. 28 and
reproduced in figure 25. It has been suggested that the thinner boundary layer at the highest Reynolds
number favours the development of a second expansion (because the local effective surface curvature is
increased) resulting In a double shock system with s detrimental effect on drag. (N.B. In the final
publication of this paper it ws remarked that some of thes results are erroneous; see also figure 25).
Note that the development of the pressure distribution in somewhat similar to the one presented in
figure 21. Separation in the rear loading region on the lower surface is another potential problem area
that might effect drag in a Reynolds number dependent way. The variation of the drag rise boundary with
Reynolds number is also of great practical interest. This variation is closely coupled to the indirect
Reynolds number effect on the shock wave strength and position and consequently, likely to be airfoil
dependent (se also fig. 19 and 24).

Is it possible to derive high Reynolds number drag values from low Reynolds number wind tunnel tests?
When the indirect Reynolds number effect is small (a small change in pressure distribution), the direct
Reynolds number effect on the viscous drag can conveniently be estimated from classical form factor
methods or from boundary layer calculations using the measured pressure distribution. The problem arises
when the pressure distribution changes significantly with Reynolds number, mst often in combination with
a (limited) trailing edge separation. In that case boundary layer mnipulation through aft-fiation as
mentioned before ight help here as well to simulate the correct high Reynolds number pressure distribu-
tion. but what criterion should be used to simulate a particular Reynolds number? As a first step one
would like to duplicate the trailing edge conditions as was advocated by dlackwell in 1968 (ref. 30).
Figure 26, taken from his paper, indicates that the pressure distribution Is indeed very wall simulated in
this way. figures 27 and 28 show two other examples where the trailing edge conditions are almost similar
for the low Reynolds number case (with aft-fixation) and the high Reynolds number case (with full turbu-
lent boundary layer development). However, duplication of the trailing edge condition does not necessarily
mean that details of the so important shock-wave boundary layer interaction are similar as well. Even when
the indirct Reynolds number effect on the shock strength is well represented, the boundary layer thick-

ness ahead of the shock will be very different. The problem Is Illustrated by the figures 29 and 30. In
figure 29 a very simple flat plate calculation is used to define the simulated Reynolds number such that
the momentum thickness at the trailing edge is used as the matching criterion. In figure 30 similar
results for a typical case are presented where the momentum thickness ahead of the shock is used as the
relevant matching criterion. Note that the difference in simulated Reynolds number can be as large as a
factor of 10, especially when the trip is located close to the shock. The question where the transition
strip should be located to simulate the flight Reynolds number is in many cases an academic one. In prac-
tice, the variation of shock position with lift or Mach number severely limits the aft fixation position.
it is possible, however, to use different trip positions for various parts of the flight regime a indi-
cated in figure 31 taken from ref. 31.

It is not unexpected that It is very difficult to match the boundary layer development over the Impor-
tent regions of the airfoil with one single parameter: the location of the transition strip. A better
local correspondence in the viscous boundary Condition appears to be only possible with a more continuous
manipulation of the bound..ry layer along the airfoil contour. This is possible, in principle, by boundary
layer suction s proposed by Green (ref. 26). Another posibility is a modification of the airfoil contour
such that the effective body contour (the sm of the geometry and the displacement thickness) Is Identical
for wind tunnel and flight. In principle, this can only be achieved for one particular pressure distrl-
bution. Although both approaches merit more detailed studies, they are not easy to realise and have, as
yet, not been applied for routine wind tunnel tasting. The matter will be left to the Research Comittee
of WG9 . . . 1

6. HETHOtIS IRUMH EFFECTS 0H 013HZ CONFIGURATIONS

Over the years Reynolds number effects on superritical airfoils with a well developed region of super-
sonic flow terminated by a shock, have got very mch attention. This type of flow is typically encountered
on high aspect ratio wings of transport type aircraft. Although three-dimsional effects ease sme cmpli-
cations, the aft fixation technique can still be nse to aas Reynolds m r effects, provided that the
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boundary layer i:e still laminar between leading edge and bock.(For further discusaio s ref. 1, I1.
24, 30 and 32). It ie normally eanmed that the natural treneition location for a swept wing at flight
coitiou io at the leading edga. But it is les evident for the l Reymolds nmber in the wind tunel
that the boundary layer is alwe ys lmnar. The natural transition location depends critically on Reynold
raser. leading edge sweep and preuree distribution. In fact. the eynolde umber affect on treeition is
very coplicated for seept wingp. There are at least four different mchenim, each one Reynolds number
dependent. that determine if the beumdary Layer Is laminar or turbulent an illustrated in figure 32 taken
from ref. 33. Fortunately, for moderate sweep angle a fo.,d on transport-type aircraft, the netural
boundary laye is usawly laminer in the wind tunnel, so that the aft-fixation technique night be ueed.

At lower free atream Mach nmbere and higher nocid',cea the shocks moves forward closer to the leading
edge. for thee conditions the aft-flxation technique c.-n not be used amymore and one can only chooe
between foruerd fixation and natural transition. At still lower Mach numbere, the ehock disappeere and
only a pressure peak remae. R eo. separation in the leading edge region can be pressure gradient or
ehock induced, depending on the Mach number. The proble is further aggravated by a very distinct
diffetnce in behaviour of the laminar or turbulent boundary layer separation Just aft of the pressure
peak or at the shock. Figure 33 (ref. 27) is an Illustration of the effect of fixation in the nose region.
It appears that Raynolds number effects for theae conditions are not .ery well understood (sea also
ref. 23).

The flow in the leading edge ralon is even more Important for delta wings with a rounded leading
edge at high angle of attack. Boundary layer separation in the leading edge region detarmines the onet of
the formation of the primary rstex. Large varistiona in pressure distribution have been observed in this

nes (fig. 34 from ref. 34). However, this does not neceaaarily indicate a large Reynolds membr esaiti-
vity. The situation is eomehat imleor to the onset of flow break doen as diacuased in aection 4. Reynolds
number enaitivity should be Judged from a graph Chat depicts the Incideace et .ortex formation as a
function of Reynolds mber. The large difference in pressure distribution only indicates an almost
dicontinuous chomge from attached to separated flow conditions (ref. 35).

After the formation of the primary vortex, the state of the boundary layer (lwmlnsr or turbulent) is
of considerable Importance for the formation and the effect of the secondary separation underneath the
primery vortex (fig. 35). The laminar boundary layer s much more susceptible to eparation and will there-
fore start at a more inboard position as comNred with the turbulent separation. This causes a severe
distortion of the pressure peak undernath the primary vortex. Vith a turbulent boundary layer separation,
the invicid (high Reynolds number?) pressure distribution as calculated is much better approximated. When
laminar flow exists at tunnel Reynolds nmbers, artificial fixation can be applied to more closely approxi-
mate the high Reynolds number case (see rot. 36. 37).

Vortex break down in another viscous flow phenomen that might be affected by Reynolds numbar.
However. figure 36 (ref. 38) does not suggest a systematic trend with Reynolds nimber. This i not un-
expected since the development of a turbulent free shear layer is independent of Reynolds number (see
section 2) apart from an effect on its initial conditions at separation. Since the preure gradient along
the vortex core is very important for vortex break down, indirect Reynolds number effects cAm not be ruled
out. They can be caused by a change in pressure distribution due to variationa in boundary layer displace-
mnt thickness and the location of primary and secondary separation.

An interesting area is formed by the Reynolds number affects on slender bodice. Afterbody drag is of
great practical significance for turbofan engines of transport type aircraft and for fighter and missile

* configurations. Figure 37 taken from ref. 39 Indicates a substantial effect of Reynolds namber on after
body drag. Plow saparatione at lower Reynolds numbers appear to be of importance here. This topic merits a
much more detailed discussion. also in view of the fact that afterbody drag is highly sensitive to
buoyancy affects introduced by the mind tunnel walls (calibration, well interference effects). See also
section 7. The problem of aftrbody drag has se similarity with the effects of flow separation on drag
in the trailing edge region of an airfoil s discussed before. Similar methods (e.g. aft fixation) might
be used here as wll to simlate more closely the high Reynolds number boundary layer development.

Vortex formation in the nos region of slander bodies is another very Important area. The problem is
to some extent eimilar to the vortex formation on a rounded loading edge of a delta wing. but the pheno-
men are far more complicated an slander bodies since it appears from theoretical calculations that
utiple, stable solutions with respect to the spatial distribution of vortices (symetric and a-syms-

tric) are possible here. Secondary effects, like the wind t*I environment or model Imperfections can
than be decisive in the selection of one particular flow pattern. The problem is eMneut from large.
irregular verintiona in side force (fig.36 from ref. 42). There is no doubt that the state of the boundary
layer, either laminar or turbulent, is of considerable importance as well (fig. 39). Sometimes helical
trip wires are used to Influence the vortex formation (see fig. 40 from ref. 43) but it is not quite clear
to what extent this trip simlates high Reynolds number behaviour. It is not unlikely that the trip itself
initiates a particular flow pattern. if this in the case it might be possible to design the forabody geo-
metrically such that a stable vortex formation will be favoured and this might ease the sensitivity, also
due to Reynolds nmber, of this kind of flow.

Finally, the flow on the complicated shapes of modern combat aircraft configurationa at high angle of
attack combinee almost all of the phenomena described before. In a contribution to the working group,
Cro8 ss eerized the existing practice as follOWS: "For combet aircraft at high incidence the uncertainty
in scale effects is such that corrections of wind tunnel results to full acale is often not attempted". At
transonic flow conditions and moderate angle of attack a supereonic region terminated by a shock might be
formed on the wing surface, somauhat similar to the case of a two-dimesion l alrofil as discussed before.
The Aft-flation technique night them be used. Figure 41 taken from ref. 44 shows a typical exa le how
the presom distribution can be affected by moving the tranition strip ,urther aft. In ti" case one
should especially be concerned with the very significant three-dimansional variations, e.g. the change on
local sweep anle of the outboard shock. It i unlikely that manipulation of the boundary layer by various
transition locations will yield the free flight merodynamic behaviour over the entire flight envelope.
The beat meo can achiev Isea better qualitative UVpruss Of flow conditions iMbee viscous effects ane

Important. A basic understanding of the oiti
m
n sad effects of boundary layer tramition and separation

is a first but essential stop.
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7.* PSEUDO RKYROLDS NMBEt Rc

At the round table discussion of the Fluid Dynamics Specialist Meeting on "Wall Interference in Wind
Tamonie In London In 1982 (rat. 45) Kc.Croaksy showed a slide with the title "Reynolds number effects -
Moeal or facility?" (fig. 42). This figure. indicating large variations in the maasured lift curve elope
of the UACA 0012 airfoil. io a good illustration that experimental results are liable to experimental
error and/or unwnted or @an unknown Influences of the wind tnel environment. These ef fects may very
well chenge in wgitude with the tunnel pressure (the tmmle unit Reynolds numiber) or model scale. Hence,
what to measured as a function of Reynolds nmber does not necessarily reflect the true Reynolds number
effect of the perticular aerodynamic configuration.

Mc.Croskey wmi we the firet to realize this problem as will be Illustrated with soms typical
eampqles In this ection. A vary early came can be found In ref. 46 published in 1955 and reproduced hero
am figure 43.' It above the variation In pressure distribution for a oupercriticel flow condition due to a
change In flow quality of the wind tunnel. Note that the variation in pressure distribution is somewhat
simila to the one *howm in figure 4a. The obvious explanation is that the Improved flow quality caused a
rearwsrd movement of the trasition point resulting in a lmnr Instead of a turbulent shock wave
boundary layer Interaction. Anmane discussed already In ection 3 this will have a significant of fect on
the pressure distribution. The relation between tunel enviroment and transition location appeared to be
a hot Item in the sixties In connection with the so called "unit Reynolds umber effect". The problem was
moze or loam settled by Dougherty end Fisher in 1980 (ref. 47). They were able to correlate trasition
Reynolds numbrs on the 10 degree AEDC cone in various wind tunnels And In flight with aerodynamic noise
(fit. "4). Their correation still shI appreciable scatter ad it is likely that other wind tunnel onvir-

Cnal effects will be of Importance am well. A very strong effect on transition location results from
non-adilabatic well conditions am illustrated in fig. 45 also from ref. 47. Although the transition cone
data have beem corrected to account for this, the effect to euch that one has to worry about It,
especielly for cryogenic tumae whore temperature equillbriu. might present a problem (ee also ref. 48).
It Is well bnow that wind tunel turbulence end model rouginasms effect@ have a significant Influence on
the trensition location (see e.g. fig. 46 from ref. 4#9). As mes discuseed before. the state of the
boundary layer, either laminuar or turbulent, plays a very Important role in Reynolds number sffecta. not
only for shock wave boundary layer Interaction hut Also for drag Assesament and the flow development in
the loading edge region of a wing. For that rason one should know the particular characteristics of a
wind tunnl with respect to the natural transition. Tn view of possible uncertainties In the natural tran-
sition location It is often required to fix the boundary layer artificially. The transition strip sine
should be carefully selected. Sinc, the critical roughness height scales with Re-3/4 It Is mendatory to
adapt the stuip size to Reynolds memer. When a Reynolds sweep Is made it Is not sufficient to select the
largest strip else that eusuree transition over the full range of tasted Reynolds numbers*. Over-fixation
can give misleading results for drag, as indicated In figure 47 (ref. 50) and also for the shock wavo
developmen (e.g. eee ref. 28).

Conflicting results in drag taste on the AGARD Nozzle At terbody In the seventie gae rise to the so
celled "Reynolds numer paradox" (fig. 46). Aulable and fasigh (ref. 40) were the first to note that this
effect could largely be explained from a Reynolds n'er effect on the taunl calibration. Posniak (ref.
41) ham written a Comprehensive review on this problem.

The Reynolds numer effect on tunnel calibration can eaily he taken Into account. A much more
serious problem is the Reynolds =wat erffect on well Interference. Figure 49, reproduced from ref. 52,
Illustrate* the problem very wll. In this study, one airfoil (but with different chord length) wee tested
in a nmber of wind tunnels. Very large variations In Reynolds number trendo were observed for maximum
lift snd drag rise Mach memer. Nowever, If the mexhm lift at the drag rise Mach number is replotted am
a function of Reynolds nmbker a wery consistent trend is obtained. It Is likely that the original dis-
crepancy is caused by a well interference effect on Mach number. For a modal of low aspect ratio the Inter-

*action of the pressure distribution on the model with the side well boundary layer development can be aproblem. This effect Is likely to be Reynolds nmbker dependent. Although corrections for this effect hae.
*been attempted ("ae e.g. ref. 53), It Is adviable to do todaeonltest with a sufficiently high

"apct ratio (at least 2). It is lame clear If the Interference effects from the top end bottom wells are
R eynolds number dependent. There In some evidence that this to the came for porous wells (e.gS. see ref.
54). In any came, the more recently developed wall interference correction methods that are based on
measured well pressures appear to be capable to calculate well correctioes with sufficient accuracy for
two-dimensional tests (ref. 55). The aplication of one of these nothods (ref. 56) to two-dimensional measure-
sents in the high speed tunnel UST of Ni Indicated that the Reynolds number effect on well Interference
wes smell for this slotted test section (fig. 50).

These few exmlem illustrate that for the assesament of Reynolds nember effects high quality data
amessential. It is to be expected that nose of the experimental evidence of the pat on Reynolds nmbker

effects Is partly obscured by peudo Reynolds memer effecte dus to the wind tunnel environment.* Fortu,-
nately the edvnncmte in measuring techniqus and sell Interference correction methods increase the co-

fiec i eered Reynolds 'e effectsI s ignfiay.

S. FINAL REMARKS
im this review a distinction has beesnoe betwe direct Reynolds numer effects (the change In

viscose flew developst for a fined pressure distribtsm and Indirect Reynolds woer effects (a change
in pressure distribution due to the direct Reysela number effect). Indirect Reynolds amer effects
eppear to be dependent on then type of flaw. They camt hoe a aigmficast of-'sat on lift and pitching

moet. shock ae drM mod the buffet boundary. Fat of the effects am be clearly Identifiead and
related te a paticular direct Reymeldm Ie effect.
Nmm direct Reymolda Ie offets (e.g. the variatioe of skin frictim dCAg with Reynolds memer) are
reeceeshly well maertoad extrapolation to flight appears to be possible ow long as the remutting
effecs en the pressure distribution (the indirect aynelde Ie offes) are amell. Thin Is. however,
certainy me the case with the e~ from insan to tuabeleat ees dwee amesedery layer interectios n d
with the effects of towbulost 1ese1ma lae separation. Somey laye fista am he us"d la the wind

tunlto esene tuabolam boundry layer develpnot but a Iemr trip peetten Macaese; the risk of
seh ted no trelailn edge seaerates. mat preset to flight. WSi will hve a lawe effect en the
presr d18IotrIsmt. TA principle boer, leper uipe"Stin em oft used to mreffimate mee slesay
as ey leper in flight. in pesectee, only the Pet-finmee tesk*"iqhe beeom Applied soeee-

.~ 
1 ~;a
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fully- Obviously. the application of this technique Ise limited to conditione where the natural trasition
location io eufficiently aft In the wind tunnel. Moreover, the queation which Reynolda =Ober Is actually
BIWeaItad 2a Still Vary mock Spun.

The author In very wish Indebted ts his colleagues In the Review Committee: C. Around, A.G.T. Cross,
J. Peteren. J.L.Potter. G.P. Russo end J. Snodruch. Their work is at the baeis of thin contribution
although thin Ise only pertly reflected in this paper. Further dinoewenia In the working gp end the
study of the presn aunther of Reynelds numer effects on two-dimensional airfoile nd trensport type con-
figuretioue (as pert of a propoed AGAlDogreph) have influenced the authors thinking on Reynolds amer
effects omaederble since the first (contept) publication of the report of the Revinw Comittee. The meny
otimmletIng discueios with Barry Vae"e. Trawls 24nion end Egon Stenwenky have contributed very much to
the somewhat different approach an reflected In the present paper.
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haWile vimd tunnels have now bown used for shot a cetury to obtain performance data for vehicles to
buaed in atmospheric flight , there are still nmerous uncertainties and amiguities in the

interpretation of the data and in reliabily extrapolating the to flight conditiomu These issuas have
bean recnly adesed by the AN Fluid Dynmaics Pael Working Group 09. This paper is a report of
Comittee 2 of the working group that committee having undrtaken the devel t of a boundary layr
sioulationv'extrapolstion methodology.

The simulation problem in wind tunnela can be divided into two parts - far field and near field.
The first of these recognises the finiteneaa of the wind tunnel as cowered to the Infinity of the flight
d=Mmn Techniques have bean pr~oe for asessing the blockage and interference affects due to the
finite dimesiona of the wind tunnel. Yore recently, such attention haa been given to the adaptive wind
tunnel. The near field aimulation is referred to as viscous or bosrndry-layer simualation since it
involves adjusting the boundary layer conditionsaon a model in such a wythat the results can be
reliably corrected to flight Reynolds nmbers. This is usally done by ame form of boundary layer
tripping since transition locations In flight are likely to ocur at smaller fractions of chord or
fuselage length than in the wind tuel.

The full report of the comittee whoae contenta are shown in Tabhle I, will appar as Chaspter 3 of
the report of Working Grup 09. That report preents the rationale of a simulation methodology,
dea, ibee the experimental. comutational and empirical procedures that are needed to implement such
methodologies, and finally develop detailed methodologies for the three coms of transot-type
ocfigurations, comat aircraft configurations and slender bodies or aissile shapee. It is of course to
be reo~jimed that the methodologies, trips and scaling procedures would be different for each of the
flight regines - subsonic, tranaceic, supersonic and hypersonic. The emphasis in the activity of the
working group is decidedly an the transonic regime. The present paper outlines the general framework of
a simulation methodology and is based principally on Section 3.2.1 of the committee report. The authors
of that section are A.D. Hlaines and A. Elseraar.

2. r.SVKLCPD A S1RUAIC SYSTEP

A simulation methodology is the underlying rationale for relating wind tunel results to flight
conditions. Such aethuaDlogies are not unique, and are in some ways dependent on the [henomenon being
simulated. A methodology once chosen will require the application of boudary layer cont rols or trips
to implmi the simulation. The metodolg may dictate multiple tests, each with a different trip
location. Finally, the wind tunnel results must be analysed and extrapolated to the conditions of the
full scale vehicle in flight. This is accomplished within the dictates of the simulation methodology
using computatinal fluid dyaics (CED) teciues Or well based empiricim. The eztrapolabil ity of the
test results is an important Issue.

2.1. Organizing Coceupt

The organizing con raiderlying any of the methdlogies Is the correct simulation of each of the
flow raglans that might be identified in a lift coeff icient (or ange-of-dittack) vs. Mach nuor UaP for
the configuratIon to be tosted. Thme regimues are defined by the various shock-bounbry layer
interactions or separations a or imtone teeof that Nigt appear. Lor trmapftt-tYPie configurations
there is mere or lows a "Inl generic map such as tOft iam, in Figure 1. For , It aircraft
cnfiptatira; theme are a numer at different ass tOa have to be P -nsidered depending an omamngle,

thickness ratio of the wing, leading edg 91. ae., Mir the Situation a bit wore Comlex. fn all
owas, thme attmt is to duplicate the flight presinre distribultion an closely as possible In the wind
ttnal so that the prinip extrapolation will be with r IecPt to bmynolde nuber. Ibis requires

Vcareful attention to rocing duock locations and the character of the IuoI-awe bmdry-laer
interactions through triping.

* Omime. Meftthodolgy, N~mWI Mking Grop 09. fte er

Itoer of the comittee are C. Arumnd, F Y. Cha. A. plaenaar, A.B. Beine-, .. L. Potter and G. Puaso.

4T. I
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It mst be mhmid that there Is far more to a simulation ethodology than deciding whether, bow
and where to fix tranition. Action Is required before, during and after the actual tunnel tests. GD
codes should be used aIeI of the teets to gain an early idea of the nature of the flow over the modal to
be tested mid of whae and hmi thIs flow is likely to be sub~ject to ucrtain smale effect. Thi
knowledge will help to define the detail of haw to control the bounday layer over the model in the
tunnel teat" The experimental program should then include an in-depth study of the viscous effects, the
aim being to reduc the uncertainties in the final phase after the teats W=a the data have to be
entrqaplated to fullI scale conditions. Co the assumpion that the seasion tunanel teat Reynolds number is
les then the full scale value, it should be recognixed that oe extrapolation of the data will probably
slays be required. Only an rare occasicmi will it be pasi'ble to find a test technique that will
provide a complete siulation of the full scale viecous flow in all its important respects.

2.2. Typs of Scale Effect

The siulationt methodology has to address boo typs of scale effects

(i) *Direct* Reynolds nmbter (or visou a) effects arising as a result of changs in the boundary
layer (end wke) develS me-t for a finad or "froman' pressure distrbution. Exmples of
"direct' effects range from the well knosn variation of skin friction with Reynolds nmber for

a given trunition position to complex iLoans such as canges in the length of a shock induced
spiration bubble for a given pressure rise through the shock.

(ii) 'Indirect* Reynolds nmbter (or viscous) effects associated with Ctongen in pressure
distribution reaulting fro rcaenges with Reynolds uwiter in the boundery layer ad wae
developerst. As an eample of an *indirect effect, one cn note that changes in boundary
layer displaoeant thickness with Reynolds nmter ca lead to changes in mupercritical flow
development and busses, in ehock poeition and sock strength. Denc, a change in maya drag with
Reynolds nmbter at a given CL~ or incidence can apear as an "indirssct viscous effect.

strictly, this distinction (i.ii) betwean "direct' and "indirect scale effect is merely a convenient
artifice to simplify the discussion of the effects. it Is an artificial distinction beaue, in
practice, the two types of effect are alweys coupled. Whean the f low is sbritical ad fully attachad,
one can often safely ignore this coupling become the indirect effects will be relatively mll but when
shock waves are present and even more when there is a taens:cy for the flow to separate, this coupling
can be very important. In CGD temi. "strong caVlingr implies that the flow he. to be calculated by a
method copele at allowing for strong as well as merely week interactions between the ier (viscos) NO
cuter (inv iscid) flag fields. At the present time, (1987), such methode are only in the early stags of
develant and even when they have been developed in the future, It Is possible that they will still be
too costly and time-cansmaing to use in routine eplications of a simlation mathodology. Hum, the
bounaries marking the apearance of flow phaenomena giving rise to strong interactions are of particular
aignificac in the onart of a simuation ethodology. Muile the Interactions are w"i, one oa rely
on GID predictions that oa be applied in practice a a guide to the extrspolation f rom model to full
scale but where the interactions are strong, meaured trends will hie" to form the basis for the
extraolation. The aim for a goad simulation mathodology mot be to bring these bounaries, if poeasible,
within the range of the teats.

2..The saproach adlaed for the in-depth studi of the viscous effects is the central feature of theIasimulation methodology. Broadly, there are two possible approaches:

(1) Reynolds nmter sweep in which the model is tested over a range of Renolds nmter with
transition fixed at a position. probably niar the leading edge, that is close to where it ist forecast to occur in flight at full scale Reynolds numbers,

(ii) with moipulation of the boundary layer to produce a viscous flow behavior closer to that
forecat to occu at full male arlnolds mitre. in practice, at the present tie (19ff),
this implies using the aft-fixing technique in which the bounary layer is al lowd to remain
lminer over the forward part of the surfae and trunition is then tripped at a poeition
further aft than in flight. In other words, this approach will typically involve a sep
throu a range of tranition poitions.

Nainiver poseible, both these approahs should he practiced; this will give addd onafidence
in the final extrapolation. Tale II sumrizes the relative werits of the two -j oeI.

The first -projh AIs Reynolds nmter swaps, can strictly only be practiced in a variable pressure
(or terature) t1me. 7he available teat Renolds nmber on be further extended by testing a
calmenazy half model to a different scale, typ~oally 1.4 to LO8 s the sowle of the basic comlete
indal. ate would not amect. to be able to -reat a mingle curve of mw ageba~ht PIP0ls mIe at a
given directly fanm the mesured results for the two modbls but Ovrlo the ot d

nmuber%=heft h tmoes, t hettrn throg tm half I own usedtasXa for

exrpltn h mt or taft-fixng, wilal be eto I the iu test ared nbe inr tha f
amoerle Ic n t e a ebig=mI n -otmotet nacmlmnayhl ut

constllbe elfu inesabisingtrnd Wiis 41 Lo snc Ir I temno12ela 1
the sts Wet hasto t ta inthecomarisn i v~ CEthelitoentdouts bou

th abolt mcum fhl oe C. y teditfr"liittel



thm sn igecieieta will sarve for all ttprograms. The correct CocWilalwua

of ikey ptenia usrs f tesethodologies, it say be holptul to put fortord sevrel poss'Ibl

(a) a mero-level criterion: easy to apply, 1Mea IapmgeI an the particular onfiiguration under test.
Wb a firat order criterien representing the overall integrated sl effect on the wsr

distribution or scre pechobly, saw. leading feature of the pressre distribution, suchs as shock
p'osition ot shock strength. Use at aud criteria tand to minimnize indirect scle effects.

Mc a sacond , Me criterion based an the local viacouis effects In e particularly aensitive local
region. thus tend to promote a acre refined onsideration of Indirect scale of fecta.

Conidering thes ideas in more details

2.4.1. The sero-level criterion

At this level, the prooal is to urs a simple *flat plate simulation criterion' provided in Figure 2.
Thia criter ion is based on the requir, -n that the dimensionles boundary layer ncmta thickness C/c)
at the trailing edge of a flat plate is the ame for the teunel test Reynolds nuber and aft transition
location and for the effective Reynolds nmbter and transition at the leading edge (clearly, a different
criterion would have to be used for any application in wheich extensive laminar flow wea emect-ad in
fight). This criterion provides a very crude drag simulation. Figure 2 has been derived using simple
inocmpressible boundery layer relations to provide a zero-order approximation to the direct scsie effect.
It is clearly simple to apply in converting test kaynolde nuber with aft transition to effective
Reynolds nmbter, but it knows nothing shot any of the details of the flow. It is only of use in
caweorting the Reynolds nmbter and hopeful ly, in definting whsether full silaticn is possible in the test
range of Reynolds nubers and transition positiaw. It will play no part in the extrapolation procedure
beyond the effective Reynolds nuber (if this extrapolation is required) or in the asasesamnt of Rcrit.

7 perhaps surprisingly, however, present evidle 'e suggests that this simple criterion (due to Elsansar) is
remarkably good as a guide to the conversion from the model test Reynolds nmbter (with aft trnaition) to
an effective Reynolds nuber (aes Section 2.5).

2.4.2. First-order aimulation criterion

'First order' In this onstest implies thst the criterion is chosen in an attemt to represent the
overall viscousn effects on the comlete pressure distribution rather than a specific local viscous
effect. In the future, it way become possible to use a manipulation techmique, sq distriuesd suction,
surface cooling, or changes in the model shaps, that will produce the full mcae pressure distribution in
the model teats, hot at the present time, as noted earlier, the only tool that is generally available is
the aft-f ixing tedumtique which clearly is not capable of achieving this ideal dylactive. Rather, the aim
must be to reproduce those features of the pressure distribution that have most impact on the aerodlynamic
characteristics, sq features such as shock strength and shock position. Kraft in his contribution to
another section of the Working Grow 09 report states: "unwuivooely, the highest priority for a propr
simualation in a transonic wind tenael teat is that the model mcle test must reproduce the full scale
location of the shock ueve.

Shock position must therefore be a leading candidate for a first-order simulation criterion. Ibis is not
a surprising conclusion as most of the early examles (Refs. 1, 2) of erious scale effect ereI associated with significant differences in shock position between model and full Imcle.

In som Instances wheare there is little change in shock11 position with itaynolde numer, shock
strength may be a better simulation criterion than shock position. Eaerience suggests that it may
siways shag a decrease with Reynolds nmbter at a given CL.

Shock position and/or shoc strength are naturally appropriate criteria only wtee the flow is
.watcritical. Wn the f low is subtitieal, eq on the wing ljowl surface, the not obvious advance froo
the sero-order criterion is to use the calculated non-diemioral casentrn thickness at the wing trailing
edge as the criterion. In this way, allance is mad for the effects of the pressure distribution on
the overall viscous effect.

this list of shock position, shock strength and naedlooicesol senttta thickness at the trailing
edge is by no mm exhaustive of the criteria doet 0191it be mqgoese For examle. the non-dioinsional
bounday layer displacement thickness at 03Cc is ano0ther parnmter In regular use OWe. 3). yven if
full simulation In terse of amn aor e of the paramters is adsievsd.saw extrapolation will still be
nooded. 22e virtue of using IAc position and shock strength as the criteria are that the subseneg t
estrapsiae ba serely to OWs with the direct offects; sdeqeats simulation of the Irmdirect ef fecs has
altoV bem dabud

2.4.3. Smooud-order local simeuation criteria

& Momr are situations when the groscmle ef fect is apprently an indirect effect. This arises
bese the Indirect effect, eg a chane in shoI position, hs bean sepsfiled by an Interaction with a
direct effect sucs as a chang with Reynolde sr in the separation characteristics. -

Z ______________________________________ ______
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A list local simulation criteria related to te direct scale effects is listed below (th first
has already been mntioned under 2.4.2.

(ii fl twwriimas am thkdmossa at the trailing-edge relevant for the conversion of drag

(ii) *As nat-dlimaia l igth, Xw/, f the shock-induced serationt bubible expressed as a function
at either the bondoz layers~ iu thicuness (Ref. 4) or displacemnt thickness and shape
factor Met. 5) imditely sahed ot the shock,

(iii) The peraster, (I/c) Ca - 1), proposed by Staisosky as a mm of correlating the shock upetrea
influence. and poslty lev also to the state of the boundary layer appoching t. trailing
edge and eaepesbyt the devel, gmt of the atock-indmood sepration bubble.

Onem final abn sout the terminology. A second order criterion should not be regarded as a
refiet of a first order criterion. A second order criterion attmpt to setct son detailed feature
of the pgrin. distuibution thought to be relevant to a particular direct scale effect, whterea a first
order criterian attemts to watch the model and full scale pressure distriutions in an average sense ano
thu. when applied succesafully. should largely *I ndztate the indirect scale effectsr leowing the teat
engineer with the problem of estimating all the direct effects. In practice, ate should choose the
criterion that afsers to be most relevant in the ontet of the aim of the particular teat Program and
ame should attmt to Obtain the closest approach to full siulation in respect of this criterion. In
any event, the teat data will likely have to be extrapolated to full scale to allo for the probable lack
Of full siulation.

2.5. Extrapolability of wind ttmel results

In order to discus the estrapolability of wind twrel data to flight Reynolds numbers, it is a,
this point necesary to define ame terme that will be used in assessing a nmber of simulation
somarics. 2tese are:

(a) Efetv MMak Hfl ( Ref f)

7he effective Reynolds number is the Reynolds niumber for the full scale vehicle wnder flight
onditions that has the ame simulation criteria' as the wind! tunnel model.

A simple example can be given with the aid of the zero order aimulation criterion of Figure 2.
Baedg an equivalent 9/c at the trailing edge, a flat plate model cl length Rleynolds number of

4 x 100 with atransition trip at 0.45c has an Reff Of about 20 x 101.

Generally, the required cutversion between Reynolds number and transition position is Obained from
CPD calculations, ideally for the 3D wing-body comination but realistically at the very least, for
an equivalent two-dmensioal aerofoil, and depends an what simulation criterion is chosen as a
basis for the conversion.

(b) QLUMIROM" UMM Ro, it)

Broit is the Reynolde nmbter at which there is a change in the simulation parameter f rat low
Reynolde lnmber behavior to high Remnolds number behavior (see Figure 3).

lit. differences behmee low and high Reynolds nubr behaviors way be due to a dlange in the
doinant transition mechanism between the boo regime, a change in leading edge neparatia' behavior
with Reynolde rnmer, or else, a change in the character of trailing edge epaeration with Rleynolds

nitr. Often the change is not as abrupt as shamn in the sketch and son judgmunt is required in
identifying k~rit-

(c) W,1

is the transition location that dulicates a' the model the flight velue of the simulatia'
criterion.

PAn eul -jI might be the transition locatia' that plaes (x/c)h.* at the locatia' expected a' the
flight vehicle.

2.5.1. Simulationst conaice

Five possible simulation scenarios are shmin Pigs 4-6, each of successively sore questionable
extrapolability. AlthoUgh the sieulation criterion Is not asecfiLed# -1ee digrms hae been dram with
dmenionless shock location In mIii. These scenkrios arm Nscibed in ttirn

(1) Mi 4- Aci < Rfligbt <(MI test Mori,

This is the simplest cme the ralta suget that no Veer separation or Oter stong viacme-
invisci Interactions will be rIt In flight al it ha prowe possible to tea with a transition
Position (age) that should give, in terns of the I ch s imlation criteron, full simlation of the
flight behavioir: no extrapolation required.

'L2 ....



j (2 np5: ~ rit21-5

This is realy a subdivision of cae I but interpretation of the data insor OOmrtaif. On apr
the emnelii Is thesa as for conel, is full almalation of flight ham been acuieved in the
tust and no extrapolation is necessary. Dowuver, thisn~luion roota critically on whether one
co trust the CID coda'mngszation criteria In foreating that the f lowsearations observed under
test conitions awe equivalent to thoss fcr the flight coditions.
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d reall ah vaueiso of a ae whc t etheap rolation eesre ricerbt a bmusethe

it prtdi aaons 7iwolbetnaonyt wigthat thioryif a.aThe reeloretuation thue igh
sresut iand tim gtheral isnt hoe d e tuntoot. Mstbedaieay favial
i)Tepicalureain have teheo byithatalisnt inUtou chof i the diwrectonds ofth ten

th flycode mis bn rsdmrlo ealifet mc elieyta the trd cm ci n fjhang i

(i) The pturOItest f cfihanges ith itha cu eod~ c5lia n ooi.Ti
Ts is latyasudvsono oer4 biaumthe fxrptor i even sc te pnetain useo, nehohk

quonitiv cosqune of ilo~inei c thefcthtarrsprat (the varition exece s oe psinwth

it msnle ~ be at ta is 48eiter dition i and simcan fied.nhe resultssfruaagivn coold in u

wi~ithe lsock rocusat ; real lirdwit i anga of r likelya nthat tboe 5 change i
direction beio el ng luyov mer rneo. ~ yod ubr

(ii) The rangues ofpl trat positiongs avilable t het ocu engiee ill bre linarc admtonicariou s

poa)io ths ailt on ritei ilcntain lnrf1betitedesredtht rhensaiation hc position withen
F~md on the rbulene acoustionean sra aon thvsae presaurtsdistribution oer theing

(hic the nee on me far rbuent rwad ihay/so Pneactn.snme boeRr h

(c) the needit to aian lcalmintracfon betktn the dsrtransition rpoion ands thel fl nerIh

on) the une t urbnulne, acorusti possectu y ianteper distrbtion he errtcel flng
sufe.e vrtefrr jr ftesrae
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the conversion of the model test leulmolds nmber into on effective Reynolds aftr; huaver, the
value of R.it is not necesarily related to the Iac-eP simulation criterion am thin criterion am
have no rerivWance to the flow phenomnon creatIng strong vinousinvinrid Interaction at usynolds
m~er below Acrt.

(V) there Is no resnIn principle iday a given set of model test data should not be in one auwario for
am simelation criterion and In a different smeearic fot another criterion. Empriamc In lacing

ato whthler thin situation in liable to occur often In practice and whether, if so, it leeds to
ariam problems In'km how to extraolate. if this situeation arises, It would reinforce the

onrly mngo that to be samMeu in aplying the mthodology. cm mst undrand the naeure of
the flow ome the coniguations being tested.

3. I
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2.6 Use CC Reynolds number mp

The discusaion irk section 2.5 has ormaetrated an the botamdry layer mnpulation appoach.
Baner, when the testa arm being made in a variable pressure tiuumi. there is an additional dape of
freedom that con he emplaited to auwe confidence in the finml resuit. The five possble seamarica. as
discussed In @action 2.41 still aply but, as noted in Figures 4-8, the maimm effective RaynoldB
number Is now simply tim muxima truie Reynolds nmber for a particular model ordigoatio, provided that
the Rleynolds number map is parfot with a transition position similar to that forecat; for flight at
full scale IlAynolds nmber. As noted on the figures, half models con ad should be used to exploit the
tunnel caailities to the full, but it is impiortant to preserve an overlap in test Ileynolds nmber
betwmen the half model and comlete moel tests. This is hecnae the half =&I teat should not be
G*ectsd to provide abolute data but should be viewed as a dedicatxe rimnt with a specific ais of
investigating detailed Peynolds number effects.

In wav variable pressure taumala, it is poesible to change tim flynolds nmabar by a factor of about
2.5 for a given model aid then, by ume of the half model, to obtain a further increae by a factor ofbewe 1.L6 and 2, accrdng to the coniguration geometry aid Hac nmber range of the particuler teats.
In other words, a Peymoide , I - masp over a romp of betee 4o1 or 5o1 should be possible but tis
NO Still be sesibt less than could ha acieved in R"In favorable com by use of the boundary layer

woripulatian aeoI6 amW~ find that the ramita a in comarlo 3 with aft fixing cr manric 4
with a Uhynoido .'amap but the sigifiac of this point ouald be offset by thm fact that saw of
the uncoertinlties of being In somario 4 would be Iwoe ipats*t with a Reynolde number saw where the
dota are being platted spinet true teat Rteynioldsmumber rather than a somewat problemtic aftective
Peynoids nmber. Also, in practice, the boundary layer milpuletien appoa Is suject to various
I imitatiom, particularly when aplied to the moderate or seal aspect ration wingsat -f I - aircraft.
2hm weak and atrong points of the two techniquee are summarimed in ?abl* 11. It may of course be useful
to use both approaches becamse, if one con establish that the treI In relation to true Reynolds .tr
in the apyalde nmer semep and effective Meynoide nmber In the transitli sweep arm the ame, it will
obiously greatly incras onfidence in the interpretation of thm teat data.

3. HIMB IND 2W FE SMZMiC* PMKG

The discussion has now re-aIhed thm point where the imPortent oncepats in the above phiilosopiy can be
asembled into a full I ethodolg. The stqe in the te~e general methodology con be get out
briefly s folam:s

A. DEM TA U

=,I: Clection of Flalevent Information - Planning

Maimd of the tests, learn st the tiuMel the madal and the test objectives. Identify the
Important domsi/qarating onditios. In the rae-ram- below to CFD cmlculato it Is ae&sed
that at tim dwaiiv'operting onditionm for wichid thuse coiculatlams are made, the flow is either
comletely attachd or only Iicludea local eperatiim near the leading edge Or trailing edge Or at
the focot of the shoc 1 u to the point %ban thee eqarations develop in a dramtic fahion.
conditions beyound buffet ameat are therefore excluded even though the flew uider auch conditionm Is
of major owmr in teats on a cobt aircraft.

m22 Proparatocy Calculationm

Ahmed of the teater aply CFD codes &I loving for week vieooun-inviscid interactionm to learn ano
an possible shou the flow over the modal to be tested aid whether and how this flow is likely to be
mhject to aiptificent scale, affects at either the direct (chuig in bowdszY layer develomet)
type. 7lmee calculationm are ade for the deivoeeigconditionis idetified in Stop 1.

Phee of the toealy the aer--0der ainulation criterion (see Section 2.4. and Fig. 2) to gain
a firat idea of whether it Is likely to be possible to find a transition position In the model test
that will ainulate the full scale behavior.

Finlly, aiedt the tests, calculate the value. Of P=1 below which a str-ong viacous-inviacid
Inteaction much a a reer separation or a leainmr :qarffm iomnar the leeding edge is predicted to
OWNi with tim forecat trumition position for flight at full scae meynold umber.

3. OURIM inTOM

Start the tests with a general coverage of the whole teat envelope to find whether the reaults Or*
critically dq=aeft at the state of the boundaery layer, eg test with both trnsaition fixmd nd free
or with boo alteamtIVO tramition poeitiam.

MiA ft-ompa * f visacusfactA

includs in the i atsno in-dttb study of the visocus effect either by undartoiing NOTAlde s
Wmqa oin a variale aitj t1el 1at or mpolating tim boundary layer, eg by a smap through 0
rag Of trnsitiona Position (in nA almeri turul. Umrever possible. both aprchmse should
be practised. Also. id -noe.e posaible. extend the Peynolde nmber asep to highar Rhsynolde nmers

*1 "V
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overlP In a certain range of Reynolds nmber. The boundary layer mrupuistion approach is emloed

fC. AmTETO

sAted Cosltnof Da..te; rEstalihvetbeeraotdbyeedighementoeesured trradet

After the testa, take ter results fro e mn the beynoddsynlayer mmadpuladtplo appropaetrs
4shokb poted soc agjtrn efte R ecatn a give defindate =Isy numer pltththul e

nedd ifansimpton rels f laud ato the ositon fr itat ful tl. trenosll rvde a~ tohrc
athe eicted ue flo be irA and in thada tesd eitmate rnsti. The thnerao tosan
effnctuie ngld eoudbetet anse any eithe teeoorrmaincith e etio

24.1~~ ~~ en i )o tve fist orerx orl smdoder cavriterdes ta PeArtbeprcua
mdrectlyt to lcal thel testtins If a s oeeikl it00Wi'hetst 0.
Cexdu te thue reult againsto fecie exynaolad by eting tse scs shock poensitionor
shoc trn th, and1- compuhee aate 1tolRritcs N fcare en bei ten ore emerrular
iseniielto thet ea ah dsctnous ffect e tihe V of. thei trns occuaris aetse meesure
Afte preitedts te perdresut fheko teestsin the bondr lae okplanapoc
shoue the gpoued shovesto idefetifywhichls thme relieath ceynold futher ive wisud bn
Suce f rastion w.. se qrefse at) the pstieon lgth bati f mcaeReynod oneme iatonpodc

th visou ferplow tevorl bcaed ntemdlts ihattastuTecneso oa
effeceti he extrpoltio rocdue faeo the r r te ero siasiescrie rSion Setio
The1 procduFg re asaderie fst oer laoriseos butrer tat thet fullperoeuew partulaly
onlyefoloe to pr tstoviethevest osbeetaoainfrtejpretds.~rtn

Comparen ientifimed trndse 1gis. fetv enlsrte i eut uha hc oiit

Theoceurengh asDecd abov is Thset ouraterinsics mre dhoe ails they are parthodlogelfo
andredaicatd trends aroicraf ai chissilte hesinate oful rkingGop0tao.-ilb
seee that ingrders tinroducoe the intify ihi ah rueullevar nero h vadiscurssedi

Sielfctions2 h1aveean Fige in8) t eerthe cktln anve he suhasso e th an ceinrastion
positn. gs httets ofgrto smrl w-iniu eool oeet xe

.E xt raolion o ul c S~icaftt ehse esc ee~asso h lxfo et
thtcam e nol tr u the ext eelaio posur or hy na prst i e olcednaprin secie in allcases, 2..1

only bkuefollthed nturofid the low orithe etraofglation.frteiprat eir/prtn

The Cowa wie as dranged fabyove isser ort effective aydei nte aseparaeibethdlgeo
transportaircrft b st arafbt ado notil shemsinyrpatoeddwt the fulWrigpru 9reo itwil e

raita dnoder ontute flow pispiy tha esovvnabifeta nevaius cg rohee
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faiy thi Is-. unikl t . . . . .be- tre -ohts adms fetveRyolsnmeradS ol



21-8

testing and evaluation~ procaduria to which we aspire. The fact that these methodologies are now written
damn wakes them available to the larger wind tunel testing cmity and should lead to an overallI
improved confidence in the teat results for the increasingly omplex configurations that we aeek to
evaluate.

1. Loving, D.L.: Wind Tunnel Flight Correlation of Shock Induced Separated Flow. ~aS TN D-3580, 1966

2. Cahill, J.*.: Simulation of Full Scale Flight Aerodynanic Characteristics by Tests in E~isting
Transonic Wind Ttunls. AG C' 83, Paper 20, April 1971

3. BDpp, CJL.: Future Flequiresates of Wind Tamels for CT!) Cade Verification. AIM 86-753, March 1-986

4. Fulker, J.L. aid A0hi11, P3., A Model of the Flowr over Swept Wings with Shock lxnkwW Separation.
PAZ TR 83088, 1983

5. Stanwasy, L: Interaction Between the Outer Inviscid Flow and the Boundlary Layer on Trrmaonic
Airfoils. Dissertation, Tt-erlin 083), 1981. (Mao Z. Flugiss. Weltraumforadie. 7, 1983, Heft 4,
pp. 242-252)
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f T7ae 11. RELATIVE MERITS OF MANIPULATION (BY AFT FIXATION) AND REYNOLDS NUM4BER SWEEPS

SIMIULATION BY EXTRAPOLATION FROM
B L MANIPULATION REYNOLDS NUMBER SWEEPS

I& APPLICABLE FOR ALL WINP TUNNELS 6 lb APPLICABLE ONLY FOR VARIABLE DENSITY TUNNELS
1PROVIDED RE- 1 2 x 100 & PROBABLY c 12 x 106)

2a MAY BY-PASS 'CRITICAL EVENTS', "DISAPPEARANCE 2b THEORY IS REQUIRED TO PREDICT 'CRITICAL EVENTS'
A tjFIGAR SEPARATIONS FORCAST NOT TO IN REYNOLDS NUMBER RANGE BEYOND TUNNEL CAPABILITIES
OC LGTREYNOLDS NUMBER; UNDER CERTAIN AND TO PREDICT TRENDS AFTER THE CRITICAL EVENT

CONDITIONS (SEE 3a) POSSIBLE TO MATCH FLIGHT
PRESSURE DISTRIBUTIONS; ONLY LIMITED
EXTRAPOLATION ("g FOR DRAG) REQUIRED

3a A REGION OF LAMNAR FLOW AHEAD OF THE SHOCK 3b CONTINUOUS INFORMATION IN CL - NUMBER PLANE
REQUIRED; THEREFORE ONLY APPLICABLE FOR
CERTAIN REGIONS IN CL - N PLANE

4a UNCERTAINTY INTRODUCED BY VALIDITY OF THE 4b EXTRAPOLATION ERROR DEPENDS ON TUNNEL REYNOLDS
SIMULATION CRITERION; MAXIMUM SIM4ULATED NUMBER RANGE RELATIVE TO FLIGHT REYNOLDS NUMBER
REYNOLDS NUMBER DEPENDS ON CHOICE OF CRITERION AND ON WHETHER 'CRITICAL EVENTS' OCCUR OUTSIDE
AND PRESSURE DISTRIBUTION, HENCE, CL AND M TEST RANGE

5a THREE-DIMENSIONAL EFFECTS COULD CAUSE 5b THREE-DIMENSIONAL EFFECTS DO NOT REPRESENT AN
DIFFICULTIES NEAR ROOT AND TIP ADDITIONAL PROBLEM BUT COULD ACCENTUATE

DIFFICULTY OF 2b

6a REQUIRES A NUM4BER OF TUNNEL RUNS WITH VARIABLE 6b REQUIRES A NUMBER OF TUNNEL RUNS TO ADAPT
TRANSITION STRIP SIZE AND LOCATION; SHOCK WAVE TRANSITION STRIP SIZE TO REYNOLDS NUMBER;
POSITION MUST BE MONITORED RELATIVE TO STRIP SPURIOUS TRANSITION STRIP EFFECTS RESTRICTED
LOCATION TO AVOID SPURIOUS EFFECTS IN REGIONS TO LEADING EDGE REGION BUT MIGHT STILL BE
WITH SUPERSONIC FLOW SIGNIFICANT

05~E 06 0"0 N O

~~~~~*~OAR SMBANDREMO PRRDSN

mit ~ D SAD ORA N~ELit

SHOCK APTR OF FOD O BAN
IT PWAND AN AEO%,A ED IE NDE4

POW SMOCK AFT OF NEA VA*

-RE40 IIAND DATA RECOMMEINDED
SOAJNDRIE FOR TRAWUM-ccoa PRESSURE DIvlVV N d2 " I
HA SHOKS MOMO, AFT BELOW AND PORlANO ABOVE

THESE BONIES

Ip .L,,.Lp: SOLARE DEPfIMM URPER LIT OF %%LIDITY
OF RESPECTIVIY P -- HID AND REAR SAMD DA

* STRICTLY. SIJPPICIENTY FAR AFT 10 AVOID ANY I OCAI ITERPENSCE
SEMWEN ROJSAMESS SANlS AD 11H1 SMOCK STRENGTH AND POTON

Fig. 1: CU . .. b.c p~a fmt t... t tn.Soafestcm
kgilrai of validity of &ta with different rm~nwbof
ca a uift u mwtfae.
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EXPERIMEmTS ON BOUNDARY LAYER TRANSITION TRIPPING
AT LOW REYNOLDS NUMBERS

by
Giuseppe P. Russo

Institute of Aerodynamics "Umberto Nobile"
University of Naples
Faculty of Engineering
Piaxzale Tecchio, 80

80125, Naples
Italy

SUMMARY

In the present work a systematical experimental investigation has been undertaken
with the aim of obtaining sound results on the effectiveness of distributed roughnesses
in tripping transition on a flat plate at low Reynolds numbers.
A 2.5 mm band of double stick scotch tape dusted with sparse carborundum grains has been
used as a tripping element at various speeds, ranging from 11 to 17 m/s.
Transition location has been detected by streamwise traversing, at a fixed height from
the flat plate, both a pitot tube and a hot-wire probe; also relevant velocity profiles
in the boundary layer have been measured. When needed surface flow visualization has been
used to confirm the transition position.
A good correlation has been found, in terms of the critical roughness Reynolds number
needed to fix transition at the roughness, with the results found in the open literature.

LIST OF SYMBOLS

d= roughness diameter

k= roughness height
M= Mach number
q= dynamic pressure
R-UeL/, Reynolds number based on free-stream conditions and reference length L(X,d,6*,6)

RkUkk/-k roughness Reynolds number based on roughness height and velocity and kinematic
viscosity at top of roughness

Ue= free-stream velocity
u
= 

local streamwise component of velocity inside the boundary layer
V= dc output of a hot wire anemometer
X- distance from leading edge6
1 boundary layer thickness
6 = displacement thickness
0= momentum thickness
v= coefficient of kinematic viscosity

Subscripts

cr= critical conditions
k= referred to roughness
T= transition

INTRODUCTION

Flight at the low Reynolds numbers typical of ultralight aircrafts, gliders and
remotely piloted vehicles is strongly influenced by formation and bursting of laminar
bubbles, leading edge stall and so on; since few practical theoretical methods exist
taking full account of these phenomena extensive wind tunnel tests are usually required
to predict the flight performances of a given wing.

Correct simulation in wind tunnel tests of these complex aerodynamic patterns, due to the
even lower Reynolds number obtainable on a reduced scale model, often requires some kind
of artificial boundary layer tripping in order to reproduce the exact transition locationexperienced in flight or, alternatively, to control the boundary layer scale at a desired
location.

Furthermore, in free flight location of laminar to turbulent transition, laminar
separation and subsequent turbulent reattachment, leading edge and trailing edge
separations are all affected by the presence of wing contamination arising from
manufacturing processes and/or natural accumulation (joints, rivets, warping, insects,
ice etc.) acting as two-dimensional or three-dimensional or distributed roughnesses.
These surface roughnesses by modifying the aerodynamic field my cause detrimental
alterations in the performances of the wing. It is thus mandatory to test these effects
in a wind tunnel.

o .-- f m m -' m
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Unfortunately trying to influence a boundary layer at very low Reynolds number is
quite difficult as has been frequently put in evidence in the literature on the subject
of transition tripping. Klebanoff, Schubauer and Tidstrom in their classical work
published in 1955 (Ref.1) found that a lower limit exists for Reynolds number below which
it is not possible to trip transition with a two-dimensional trip.

In 1966 Brtslow, Hicks and Harris (Ref.2) found that for length Reynolds number,
R, less than 10 it was more difficult to trip transition and a much higher roughness
Rlynolds number, R , was needed with respect to the value of 600 they had found as an
average from hundrAds of experimental data on three-dimensional roughness elements.

Also in a recent work by Bloch and Mueller (Ref.3) difficulties have been
encountered in attempts to affect the boundary layer behaviour in tests performed at
chord Reynolds numbers ranging from 80000 to 200000. The authors found that roughness
height prediction methods to fix transition location in this range of Reynolds numbers
are insufficient.

There are therefore sufficient motivations to justify a direct experience in this
field that is furthermore strongly dependent on many environmental parameters: wind
tunnel turbulence, difficulties in reproducing with a good confidence the tripping
device, wind tunnel noise etc.

BOUNDARY LAYER TRIPPING

The problem is to find a tripping device of minimum dimensions producing effective
transition at the trip location without modifying appreciably the potential flow nor
giving rise to prohibitive parasite drag; the procedure must furthermore be easily
reproducible to warrant reliable results; the device should not be damaged by prolonged
tests and lastly should be easily removable giving back unaltered conditions of the
surface.

Boundary layer tripping devices, which are solid or fluid obstacles put inside the
boundary layer to increase local turbulence and provoke premature transition, may be
classified (Fig.l) as two-dimensional (cylindrical) devices (spanwise wires, ridges and
grooves), three-dimensional (point-like) obstacles (cylinders or air jets normal to the
surface of the model) and distributed roughness strips (ballotini or carborundum grains).
Two-dimensional and three-dimensional obstacles essentially differ in the mechanism of
producing instability in the laminar boundary layer (Ref.4): two-dimensional obstacles
produce spanwise vortices while three-dimensional obstacles produce streamwise horseshoe
vortices (Fig.2).

Two-dimensional trips thus induce in the laminar boundary layer an instability of
the Tollmien-Schlichting type; this instability may produce, at a downstream location,
transition to a turbulent pattern. As the diameter of a two-dimensional trip is increased
the point of transition, X , moves progressively upstream from the point of natural
transition, X , towards te position of the trip, X (Fig 3). A frequently used
characteristi parameter is the ratio between trip dtameter and displacement thickness,
the transition point reaching a position close behind the trip when this ratio is of the
order of magnitude one.

Klebanoff and coworkers (Ref.l) found that when the length Reynolds number, R , is
lower than 90000 it is not possible to trip transition and showed that the corresponding
value of the Reynolds number based on the displacement thickness, Rd*=520, was in good
agreement with the critical value found from a Blasius distribution for stability against
small disturbances.

An empirical law for the determination of the relative position of transition point
and trip in terms of the height of a two-dimensional roughness element has been given by
Dryden (Ref.5). A corresponding critical Reynolds number, based on trip diameter and free
stream flow conditions, R -U d/e equal to 700 has been calculated by Winter and coworkers
(Ref.6) as a result of a gorfelation of many experimental data in the range of subsonic
speeds up to M-0.9. At supersonic speeds the critical value increases exponentially with
Mach number. Kramer (Ref.7) found a Reynolds number R -900 for a fully effective trip but
stated that also in this case a minimum distance remaln. between the position of the
transition point and the position of the wire such that the difference between the
corresponding Reynolds numbers is:
R xT-Rxk -2*10

4

Three-dimensional trips with accompanying horseshoe vortices produce regions of
turbulent flow behind them that spread laterally downstream; transition across the whole
span is achieved when the regions of turbulence formed downstream of the excrescences
unite. This delay in the formation of a uniformly turbulent layer precludes the use of
the technique if it is required to fix transition very close to the leading edge. In snme
cases the method has advantages in that the effect of the excrescenses is believed to
be quite independent of the direction of the flow in the boundary layer (3-D flows).

Several methods are available for constructing the excrescences: one is to insert
short lenghta of wire protruding from the surface of the model, a variant is the use of

, : . .. . . .. .. ... ., • -- 1C,
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small discs or spherical particles glued or soldered on the surface of the model. Care

must be taken in achieving the desired type of trip since a spanwise row of obstacles
with too narrow gaps and/or a too small height/diameter ratio will behave more as a
two-dimensional than as a three-dimensional trip.

The experimental data collected by Braslow (Ref.8) for three-dimensional
roughnesses show that for an effective trip the critical value of the roughness Reynolds
number, based on the velocity at the height of the roughness and the height of the
roughness, R -u k / , is a function of the ratio between the diameter, d, and the
height, k, o,',e ghniss. For d/k-1 the roughness Reynolds number is in the range 500
to 900 and is practically independent of Mach number at low speed.

A distributed roughness trip can be obtained coating a narrow band of the model
surface with a minimun thickness of an adhesive (epoxy resin or lacquer) and dusting it
with carborundum, sand or ballotini of known average grain size. Ballotini and
carborundum grains are the most used roughness materials as ballotini can be graded down
to quite smell diameters with a small variation in particle size and carborundum is
readily available and shows superior effectiveness in provoking transition due to the
resulting sharp and irregular surface of the strip.

Again care must be taken in achieving the desired type of trip since a strip of
distributed roughness will act as a rough-surface two-dimensional trip if particle
distribution is too dense and as a lot of random three-dimensional obstacles if particles
are sparse. Since the concept of *sparse" distribution is quite vague the need is felt to
compare the quality of the obtained strip with some standard test specimens of proved
effectiveness in order to warrant a good repeatibility of the strips in different tests
or in the case of replacement of a damaged strip.

Provided that the roughness be sparsely distributed, transition moves very close to
the roughness when the critical roughness Reynolds numberR_ , is attained.
Experimental investigations have determined that this criti rvalue is, as an average,
equal to 600 (Ref.2). This value is constant, except at the low values of he length
Reynolds number, R , at subsonic speeds. At low values of R , less than 10 , resulting
from either a decrfase in tunnel unit Reynolds number or a decrease in the distance of
the roughness band from the leading edge, the value of Rk increases up to 1300. The
value of Rkcr remains constant up to approximately M-2, fireafter it begins to
increase.

k. As can be seen from the previously reported experimental results given in
literature only an order of magnitude correlation is possible since minimum size of the
trip is difficult to predict with sufficient accuracy and is a function of Reynolds and
Mach numbers. Thus, if the minimum trip is to be used, preliminary experiments are
required to determine its size and, furthermore, the size should be changed as the

*conditions of the experiment are modified.

Using trips one grit more than the minimum (overfixing) is believed to be a good
practice to be sure on trip effectiveness in producing premature transition. Overfixing
produces only small drag increases, on the contrary a trip slightly smaller than needed
(underfixing) could provoke a rearward displacement of the transition point giving rise
to strong variations in drag.

To overcome the difficulty of selecting the minimum useful size of the disturbance,
which is a function of the particular experiment, a technique is sometimes used in which
the size of the disturbance can be varied simply during the experiment from outside t4e
tunnel. A row of holes is drilled across the span, and the disturbance is created by
allowing a small quantity of air to flow from these into the boundary layer. This is

probably the most elegant way of producing transition since the size of disturbance can
be varied by controlling the air flow. It is, however, of limited application to general
models on account of the pipework involved.

Due to low cost and effectiveness a carborundum band obtained by dusting a
double-stick scotch tape has been chosen as a tripping device in the present work. A
sparse distribution (about 40%) has been preferred since for mot of the values of the
Reynolds number attained in the tests transition could not be tripped by a
two-dimensional roughness.

Experimental results obtained by Michel and Arnal with a "dense' carborundum trip
are reported in Ref.9. No transition tripping was obtained for Reynolds numbers based on
momentum thickness less than 200.

TRANSITION DETECTION

In order to control the effectiveness of a transition fixing device in the whole
envelope of test conditions (angle of attack, Mach number etc. ) reliable methods are
required to check that a true turbulent boundary layer has been generated at the desired
location.

It is possible to detect transition by measuring thermofluid-dynamic quantities
inside the boundary layer; the inception of turbulence is inferred from theoretically

4.c
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li-kmnown features such as the shape of the velocity profile, the thickening of the
boundary layer, the increase of the turbulence level and of the acoustic noise.

Velocity profiles at different chordwise stations can be measured with a single
Pitot tube traversing the boundary layer normally to the model surface or, alternatively,
with a rake of Pitot tubes. The procedure, relying on point measurements, ia time
consuming; furthermore the presence of the Pitot tube may alter the behaviour of the
boundary layer.

A simpler procedure consists in measuring the total head in the proximity of the
surface with a Preston tube. Transition is detected by a chordwise exploration of the
boundary layer: the transition point is characterized by a sudden increase of the total
head. Alternatively a total head exploration can be made at a distance from the wall
slightly smaller than the expected turbulent boundary layer thickness; in this case a
sudden decrease of the total head will indicate transition.

The onset of a high level of turbulence, typical of transition, can be directly
measured with a fast response anemometer such as a hot-wire or a Laser-Doppler
anemometer. Both anemometers give point measurements and are therefore most suited for
the exploration of two-dimensional models; both require sophisticated electronic
circuitries and data reduction procedures.

An alternative approach is the detection of increased acoustic noise in the zone of
transition using surface stethoscopes or piezoelectric gauges.

Transition can also be detected by surface flow visualization methods based on the
increase of mass, momentum and energy diffusions taking place at the model surface once
transition to turbulent boundary layer has been achieved. The most used technique is
surface flow visualization with oil flow or with sublimating or evaporating substances.
Not broadly used in industrial practice, but nevertheless promising in a laboratory
environment, are measurements of temperature recovery factor with thermocouples, hot
films, liquid crystals and thermography.

The use of non volatile liquid films is based on the principle that the film moves
in the direction of the surface shear stress on the model. It is of most value in showing
the presence of any separation region or in indicating the surface streamlines. Also
transition can be seen as the surface shear in a turbulent region may be sufficient to
remove the liquid there, whilst it remains in a laminar region. Alternatively, during the
time before the liquid is swept away from a turbulent region, it is sometimes possible to
see a difference in the wave pattern on the surface of the liquid there, compared with a
laminar region: the wavelenght in the laminar region being larger than that in the
turbulent region.

The viscosity of the liquid must be chosen according to tunnel speed and test
duration. For low speeds wind tunnels the most suitable liquids, in ascending order of
viscosity,ares kerosene, light Diesel oil, light transformer oil. In order to obtain a
better contrast a pigment is added: white pigments, as titanium dioxide or china clay, on
black models; a black powder (lampblack) on light models; fluorescent pigments, to be
observed with ultraviolet light, irrespective of model colour. An additive, as oleic acid
with titanium dioxide, is usually used to control the size of paint flocs.

If the surface of the model is alternatively coated with a thin film of a volatile
liquid or a sublimable solid the turbulent region, due to its higher rate of mass
diffusion, causes a higher rate of evaporation or sublimation. The disappearance of the
liquid or solid film can be rendered visible with some appropriate artifice.

The volatile liquid film technique is frequently used when a quick indication of
transition is required in the course of a wind tunnel test. A volatile oil is wiped on
the surface, the film evaporates more quickly in the turbulent region. The indication is
clearer on a matt black surface.

In the china-clay method, the model is permanently coated with white china-clay
which is sprayed with a liquid having the same index of refraction of the solid
particles; the coating appears transparent when moist and the white surface reappears
after evaporation.

Alternatively a solution of a sublimating solid in a highly volatile liquid is
sprayed onto the model. Indication of the state of the boundary layer is then shown by
the different rates of sublimation of the solid deposit in different flow regimes. This
technique is particularly indicated in tests at high speed.

A more comprehensive review of transition tripping and detection can be found in
the Report of the AGARD Working Group 09 (Ref.10).

~ EXPXJSNNMA. RRSULTS

Tests have been performed on a flat plate 50 cm long having a 30 degrees wedge at
the leading edge and a black matt surface for visualization purposes. The plate was at

1 the exit section of a small open circuit, open test-section wind tunnel (Fig.4). Wind
,T!,
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tunnel speed can be varied from 0 to 20 m/s by acting on the variable rpm dc electrical
motor powering the fan.

The average critical Reynolds number measured on the plate between 10 and 18 M/a_- " is:

R -3.3xl05
cr

The roughness element was a 2.5 = wide, 0.1 mm thick band of double-stick scotch
tape dusted with carborundum (grit number 24). The total nominal height of the trip was
therefore 0.84+0.1.0.94 m. A sparse distribution of carborundu grains (about 400) was
selected to avoid a two-dimensional like behaviour of the trip given the low length
Reynolds numbers obtainable at low speed and in the proximity of the leading edge.

Tests have been performed at six different speeds from 11.59 to 17.39 m/s (Table
1); starting from few cm from the plate leading edge the tripping band was moved in a
streamwise direction with steps of one cm and its effectiveness tested until a position
was reached were transition was no more moved from its natural position. In all tests
transition, when tripped, was at the roughness location.

Transition has been detected using five different methods:

1) Surface flow visualization.

oil flow did not give completely satisfactory results since a clean turbulent
region was never achieved; only a different wave pattern in laminar and turbulent zones
could be observed (see Fig.5).

Better results have been obtained with the evaporation technique: kerosene
evaporated completely in few minutes in the turbulent region leaving the laminar region
wetted (Fig.6).

Since visualization, that is a powerful method for the understanding of complicated
flow regions (3-D configurations, separation, vortices etc.), is much less interesting
when a very simple and predictable pattern is expected, as is the case of flow on a flat
plate, it was discarded in favour of the following methods which are able to give also
quantitative results.

2) Velocity profiles in the boundary layer have been measured at various locations
along the plate using a pitot tube made from an hypodermic tube bent at right angle;
transition can be detected both by the profile assuming the shape typical for a turbulent
boundary layer (1/7 power law) and by the increased thickness of the boundary
layer(Fig.7).

3) A streamwise pitot traverse has been made at a height of 2.5 m, higher than the
maximum expected laminar boundary layer thickness; the decrease in total head indicating
that the pitot tube is in a turbulent boundary layer.

4) A similar procedure has been followed with a hot wire probe; in this case a
sudden decrease in the output voltage V (mean value) corresponding to a similar decrease
in local velocity is an indication of transition.

5) At the same time the output of the hot wire anemometer has been read on a rms
voltmeter the incipient transition being detected by a marked increase in the level of

* turbulence.

Since the last three methods gave similar results (Fig.8) only the pitot tube
streamwise traverse was used extensively to detect transition being simpler and less
exposed to accidental failures than the expensive and delicate hot wire probes.

Only when a deeper insight in the behaviour of the mechanism of transition was
required velocity profiles were measured at every cm in the streamwise direction. From
Fig.9 it can be seen that using a tripping height in excess of the minimum required to
provoke premature transition gives rise to an overthickening of the boundary layer. The
resulting increase in the momentum thickness (Fig.10) is a measure of the roughness
additional drag.

As a result of the tests a correlation is presented in Fig.ll among the Reynolds
number based on the momentum thickness, R , the ratio k/#* between roughness height and
displacement thickness, and the roughnesso~ocation X . The 6orrelation allows the
determination of the minimum size of the roughness eifective i n tripping premature
transition. It must be remarked that a "sparse" distribution of carborundum grains is
still effective for R well below the value of 200 found as a lower limit for a dense
strip by Michel and Mal. -

In Fig.12 the values of the minimum critical roughness Reynolds number fo
in the present work are showed to be consistent with the results reported in tcr
classical work of Braslow and coworcers (Ref.2).
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TABLE I
k/k 6k Ua Xk k/ Rek

Ue Xk k/s ~ R~

(m/s) (mm) (m/s) (smm)
16.39 40 2.77 134

11.59 30 2.69 98 50 2.48 150
40 2.33 109 60 2.29 165
50 2.09 127 70 2.10 180

80 1.97 191
12.96 30 2.85 104 90 1.87 203

40 2.47 117 100 1.77 217
50 2.21 135 110 1.67 227
60 2.01 147 120 1.60 237
70 1.87 157 130 1.54 243

140 1.48 251
14.20 40 2.58 123 150 1.43 258

50 2.33 140 160 1.39 268
60 2.13 157 170 1.35 279
70 1.95 170 180 1.31 289
80 1.83 179
90 1.72 188 17.39 40 2.86 139

100 1.63 197 50 2.56 153
60 2.33 170

15.34 40 2.68 126 70 2.16 186
50 2.40 145 so 2.03 197
60 2.22 161 90 1.91 209
70 2.04 175 100 1.81 222
80 1.92 185 110 1.72 232
90 1.78 194 120 1.65 243

100 1.71 205 130 1.59 251
110 1.62 217 140 1.53 263
120 1.54 224 150 1.48 274
130 1.49 234 160 1.43 279
140 1.43 241 170 1.39 285

180 1.34 296
190 1.31 304

. + ..... . ..
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Fig.1-Some types of transition tripping devices:
a) wire b) distributed roughness
c) air injection d) isolated excrescenses

(a) 2-0 Protuberance

(b) 3-D Protuberance

Fig.2-Sketch showing the behaviour of vortex linesm

for 2-D and 3-D trips (Ref.4).
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Uk

Fig.3-Sketch showing the mechanism of boundary
layer transition tripping.

XT-abscissa of tripped transition

XToabscissa of natural transition

Xk'trip location

Fig.4-The flat plate positioned at the exit of the open test section, open
circuit wind tunnel.
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Fig.6-Detection of natural transition with an evaporating liquid (kerosene).
(same conditions as in Fig.5).
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Fig.7-Velocity profiles measured upstream, on and downstream of the trip.

0 Q pitot tube (mm H 2 0)
V hot wire (voits)

£rms

Ue=17. 3 9 rn/s
Xk=40mm

y =2.5 mm

Is8 itA A 2.180.12

q * £ AV rms

14 2 214 -0.06

10. A A 2.10 0.00
0 20 60 100 x(mm)

Fiq.8-Transition detected by a pitot tube and a hot wire
probe streamwise traverse at constant height.
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Fig.9-Boundary layer thickness profiles for three different
transition locations. vertical lines indicate trip
position.
- laminar calculation

(MM ) A
.6 *xk= 120mm ALAQ

A 0

.4 o..S-r.2- A f3A
A

Fig. 10-Momentum thickness profiles for the same cases as in Fig.9
- laminar calculation
--turbulent calculation
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Fig.1l-Reynolds number referred to the momentum

thickness as a function of the ratio
between trip height and displacement
thickness. Full symbols refer to tripped
transition.

2000

00 0 present work
0

Rk,cr 1000 - 0
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Fig. 12-Effects of the length Reynolds number or the
critical roughness Reynolds number.
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DES DEFMCULTES DE PREDI[RE FN SOUFFLERI[E
LE ThEMBLEMENT D'UN AVION CIVIL MODERNE

REMIEDES PROPOSES

I R.Destuynder - ONERA Chaifilon
VScumin - ONERA Chaflon

J.Berger -Aropatale Toulouse
R.Barrau - Aerospatiale Toulouse
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La prevision de i'apparition du teemblement our en avion de transport conatitue on problame qui eat, an
dipit do progrie r~alies ricemsent dans IS comprehension du phinoane, encore ace.: mel miatricS.
Inaccessible actustlament, A uns approche purement th6orkque, catte prevision eat *asentieiment basfie
our des *asais en souttLerie.

Aprbs un revue des mthodes exprimentales courameat utiliece pour Is dhterminacton du trembiement Sur
maquette at ue description succincte des techniques de transposition au vol, on met en evlidence Les
probilmes de simuLation qui attectent tea mithodca. La suite de ka communication eat consacrte a ia

discussion d'un certain nombre VwAalorstioos des maquattea at de I& mfitbodologLe exp~rimentale dont I&
mice en oeuvre dolt aboutir A des previsions pius fiables du trembiement our Lee avions de transport.

ShhMMAY

The prediction of trausport aircraft bufiet response stili remains a challenge despite recent progress in
understanding of the phenomenon. This prediction is up to now inaccessible to a purely theoretical
approach and so is mainly based on wind tunnel investigations.

L Ater a review ot experimental methods currently used to determine model buffeting and a short
description of fuil scale application techniques, the simulation problems that appear are presented. The
next point deals with a number of improvements concerning models and experimental methodology with the
final objective to provide more reliable buffeting predicttonn Large transport atrcratts.

LOTATIONS

(A + 81) Matrice complexe de forces afirudynamniquea instatlonneires
E Module olasticitS
F (uw) Fore* ghnlraiiele,
L Iectle

KFacteur de similitude
L Longueur de r~tirence

H ~ obta de Hach

Moment
S Surtace de rifirence
2 Altitude, dm vol
Cc Coefficient de portance
f Pr~quence
g Accgigral ion de I& pasanteur

q e.5 PV precelon dynmique ;coordonuae glnlralis~e

v Longeur de reference
A Factaut dk6hele
in Pulsat ion complaxe

aIncidence ;asortisment
LVrlilage do, Veils indult mous charge
VAceleration

M Iass* SIralisse
a' Controints a. cisailement

CI) Pulsation
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aAvian
CCrolaibro

0 axtraits do i'aiio

a Haquatte
o Terms sass Vest

Llnspottance duse Conaissaaco pr&iis do Vestrieona tronbement don avion civil n'est plus A
onuuiger. Un trio grand nombre deauteure so esnt attaqaha an ptobibmo evoc come objectif d'Gtondre Lee
rftultats ottets an souttlorlo ama domains de Vol s lavion (1, 2, 3).

Cott* connissance do trembiemont pdemt on afttot do caectiriser Is domaine do vol do Pvion admissible
A partir do I& tonctioa Cs - t(Vech).

Jusqu'i prisoent Les caiculs aftodynaeiques s'aviront impuasants I nttrminer avoc prioo Les gones de
diCOnilmot sur uns voiure an tranasonlqus ainsi qua lour divoioppoment avoc PI'Lcidence. Les forces do
dGCOIIsMWGCt orLour VGpartitton On envargurs. forces qixi donnent naissanco ar vibrations do lavlon our
seesimodes propres. &out oscoro pius difticils A appr~uonder.

Le saul rocourv pour faire one jrivision asevirs Otte des &*S&Ls en soufflerle afin do fournir does
velours appLicabiss A us avion. Beaucoup ds mitbodos existent qui donnsut lieu A des crUtrs diffirents
on vol ot on s~wtjLerie. Cos mitbodos s font quo raroent appol A use connaissanco priciss des* orces do
dicohimsot (4, 5. 6) qui ropriesntent Is soul critbro utiLisablo pour calcular our us avion Is rAponte
do ia structure en togs points does atoure oah use base modls, cepriamntative de Vovios, exists.

Dana usa promiire partio on slefforcers do motrer Les difricuLtis st hes inconvinionts Latitents &UK
mitbodes actuoiioo qni est daventag. due I des problmm do simulation en snuff Lae quAS des problimos
do mosure.

Dana uso douzibao pertieaon prisontra des mithodos aonvelios pormettat do so rapprochor de velours do
trambimest our aviosan o ayn do eaquottes pius ropr&SOstatives at as rsnt compte des difficuLts dos
suS souftfiorie (sombre do Reynolds, bruit do fosd, conditions Unmites d'oncaatrement).

2. Hanna Omumim Di DUC!IO
mu uminm Out MAQMM

Le tromblesent est Is riponso d'uso structure A usta scitto ehrodynsaquo sue I does ones do
ddcoliisont on prisosce ounon0 do chucs.

11 st dome Indispensable no conaidgrer quo is tesembisat eat us probiwe particutiOr pour chaqUe
msquotte or quiL alegit d'us pbinomsae non sonimont aitodynomique mais anssi Glastiquo.

Do ce fait Les mitbodes do ditoction de treabement *ont sultipLes ;principaelent on pout distiaguer
ntre mitbodes global.. on iocales, stetionnatros ou lnstatinnaires.

Las a*coileOmts ponvont Stre mis on &videnc4 par ieo mitbodes globaioo suivantes

- La iionatisetion do I'coulemot pariftal our Veils au moyes do file Ifiuorescents (fig. 1) ou do
dip6to denoduit vioqueux (f ig. 2s or 2b).

- Las courbes de portens global. Ca - f(OC) anaurios par balance avec Laterprfitation to io variat ion do
Is paste an dibut doi dicoilment (fig. 3s) on Ia assure du moment do Iflxon (on do torsion) A Is
caesura do LiLoS en (auction do I incidence (fig. 3b).

L'appetition des dicaLiemets pout ansel Otte d~tectio & partit do sassure& Ilocslees dens co domain* on

pout citorI- Las prossios stariquos moenrios on particulier an bard do fuito do jla qul porestrent do
caractirloor Is dicotloment our Ia voiure (fig. 4) 1 partir ds ts divergence des Kpf.Is figures So
at 5b lilustrest pour ca QOlm coo is riporcussion dii dicohisoent neissant Sot Ia position do londe doI chat.

- La mature do prossioss insationnaires dana 10 pies des I riquoscA*. dare IS some dicol I~o suit ague
forms do velours 116 (fig. 6) ou do do061t6 spectraje* do puissance 061 (fig. 7a at 7b).

Las dlcoliemets d&coiie par iLes eltdes; qul vionses. d'Itro dictates pouvsst dosser neiseance I us
phinoms do treobimet quo ion ditects aootielhm~nt pot Las wosuros suivastes

IA anure du moment s fioxion insaeLOnsears par une jauge do coutrainto A is cesore de VeiL. (fig.
S) qui so compare on stattonnaire & is figure 3b.
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- Le ensure do I& valour ang ds otam 4$iivre.. par dos acc~l~too&to Cf 4. 9).

- Le*omeouro. stationaLre peuveur, comes Les accii~rsmltres per example, tournir Ie made qul eatre ea
vibration sous isction, de forces do dkeoiiosont. L'ampLitude do Ia tiponsw , friquosco, par tr~quence,
foucatt usa Lodleation suppi~monraire our Ilstouait& do phIoos&5s commo In sonttO In figureO 10.

A PoCtti do rout.. coo secures statoonatres at istatfoonatres 11 tast 8Sf RLar at salectionner us ou
plusours etitres caractrinot Is sibut do trooblmmat at as dduiro Is Ca Naziosm on forketion du
sombre do Moen ; poao Las plus souvast utlilaes on pout citer.

- Is primeon as Lpt. dus serooomont taide 0,1 ou 0,2 ders a doll 4e I& cesure do I& courba Cs
fC asah constant soir (tigue 3a).

- La cassuro do Is courbe creo - f(d() Cu 1frs - f(GC) Van pout do jauga Cu Wun acc~itro.Aro 05 00
fixast soLt uso contrsLnr maxlim= solt un nivoou d'acc~l~ratios, A no poe Cipasoar an an poitr donna.

Ca crit;lre pout porter $oit our usa bands do fr~quence &'il o'agir d'une, valaur RNS prime dens Ie domalne
temporal soCt our us moda propro pris dams Is plan des fr~quencoa.

OSBU- 1fUI A WN AVION UVOL

A partLe Wons coefficient do portanco d-apporitton Cu traomeont Czar atssi detroic on souftlorie Is
trasposition au vol 50 felt habituolement par Ifinerm~dlslro d'un avion do rdf~reace.

go vol us crira claaolquo, au sons pour leo avions civil$ do grand aiLongesont, coVALio A prondre une
limits d'acc~ifiration do +/- 0,2 a. sourte au .11g. pilots. Ca crittre, d~pend esoonriollement des modoo
propres do La structure ;I. coupiage ostre Leodes4 do I& volluro at Lea modes propreo du fuselage pout
4tre81 dffirent d'un av1an I L'autre or 10 silgo piloto pout dens certalns coo rfipondre tr~s taiblemont au
trebleuent.

La tableau sOUVant iLluetre Ia nature Cu couplago entre I& vollure or le sig pilots, ant pr~cisast Las
dlplacesents modaux, pour queiqus modes A bass* friquonce do I&setructure d'un avian moders.

mod"s Bout 'aiis Wias pilots

flexion site 2,11 liz 7,0 0,5
pondule aotaur 2,28 He 6,5 0,2
tans&&* moteur 3,76 Ma 0.5 3,0
2 noeude fuselaeo 4,8 He 5,0 t,O
coplosoire slto 5,55 Ma 4,0 0,0

Do co tableau on pout conclure A fiicoh~rence entre lee critlros choisolame souff lae (critres qul
gaSlraleoosr so tiesnent compto quo Co lsaruodynanlque) or an vol Icritbre tenanr coupto & Is fo1. do
iLrafodysemlque St Coo ceractlrltltques modales do I& structure). En of jot, Is figure 11 sontre quo ease
el tVessel as soufflorts porsottalt do privolr correctosat Les rloultato en vol correspondean a os
crirarehO - 0.1', 1'Scarr per rapport au Ca dGotr& on vol rtets conold~rable.
Par alllouro Ia simulation du treablexoont an soufileta eat affectS. acruoLlemont par lee options ot Les
lilatLooe Oulvostee

- Lea sequattao utiiio~es oat du type Benl-rigdod ot nos Bour ps splcAioement Studi~es pour rlalLoer dos
conditions do tremblessut. 11 en risulte eutre autre quo los d~formations stltquao do coo eaquetros
(dlforeatione an vrtlis qui caractlrloont at Ie position Ces chocs at Les lieite. do d~collemont
derribre coo choce) no cost pas repr~ostatlvoe doe dlforslos do lavion on tranoeoniquo.
La f igure 12 reprisonte L'ivolution, au vritings 60 on extr~ait6 doillo an fouction du coeffiIciest do
portentsu ousa mequat*oan mcier Clua* port at pour Pavion d'autre part. Des Scorto foportents
sonr al& as Sovidence pour Las Ca &iovi.. La coselquence dune tolls variation de I& d~formation
Aicotique our Ia rlpartition des charges an onvsrgura at consld~rsble, cosma 1. oontrosr des
calcuis trnassonLqus statonsAfres (fig. 13).

- La connsissance do l'appariLron du trobiaust eat isuffioste pour apprfcior iose fforts istroft-
noires at lour nlpartltios an ouvorgure our Vilsii (disttibution do force n~cesoclre, pour caicular Ia
rlposo Con us .510 dont on cosnait Las modes propres).

- Les effeate do Io turbulence do I& ecugflii porturbest Its r~poscoos Cysomi us dos ditilrento captours
quo co sotent Coo acc~ltroultroe pot eample figure 14, Coo captauro Co proslos, on tout aetna at
dotvest Gtr pris os compte dams I'appt~clstion doe farce*$ Co tramblement.

- La sombre do Reynolds eat Is pluo souvest lsutflsat pour caractriier corractemost Ia C~colionra.

A.

7~I
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4. - 3ZMIS NVIWI rm AiJ I& MMU9518 N i ~
m AvUU K1 ummT cXVII inn A ?Mfla rm =~l -sionim

4.1 - Gwseau isma memta do oimU.tf statisma -

assent La d~LcsL~ltU qvl BsopPO~st tOUJOure A ta fabrication do maquettes 4' asians ds transport re-
peCtat I la (ois I& stilsa statique at dymmnique at supporrast Los Charge. aui nolabres 4e Reynolds
too plus Slevs une soluttoo dil8trnte a Sri sovisagis. to teat, does unt prealire Slap. on a eSsayS denateri one asquetto do souttLesri juL. par exmple pmour us sombre do Hacb ineni (Ie point de croLsibredo idm do vol) aurait * compte tern 4u fatteur dlichslle A to lse 0tormat iou quo ['avion on toutpoint at done to oba d~visImg* eons charge (l'bypotbls. itant qua Ua dftoratlon Ise long d~e coresTests no. dt~its Cc qui eat correct pour wne Site Colesan dn type des &via". do transport modern** de

Cs jul so traduit par (flM~qMS. NCzm)L 3
aFs'Ias

(flj+c6S nCza )L.E*.K

Ka As - IS 1 s LS0 cas o squetto et homoibitlqus do colul do lavioe &vec Io no st Slastiqus.

Sur us dmi-mquttsl.g tests petit devant quS'OCXU, en after *g disinus come to cubs do iichsilaaLora qus S a as imaue que cocoe Is Corrn is l~kelLo (Lee grandeur@ U6 at Ca Gtant donn&&&).

On disuit do (1) qM Ella

Clar I dire an utiLIsat Lee Sigmas modules dSGLastLcltG go - Re pour ta equette at pour Vavion

(2) - =

qA 4

qat . cersetirien reopectivement Is presson dynesiqua pour i'avlon at pour Is point do souf Ilense
corresponeant.

On pout notsr qua 51 Is soufttsri* sut A preseion gisiratrica variable Ia rapport (q / q ) pout stresatau constant at Is Similitude is iiormstlon pout Itra respect&. iso.i una Large ptag A domains dsvol A altitude conStMat. Dean tons iS es Is Similitude io diforsation eat valabLe pour touts legVelours is 01 pour u4 nombre 4e Mach st (qm / q4) tiiS.

Llexmple suLvant calculi pour Is soufflerle St ie l'ONBAA (Se ds isetre, pression giniratrice
constant* W 0.9 bar) ontt. is souplsse du proclil.

A Gtant fix& on a choeLi trots Points du domains is Vol avee q. / q. - 2.77

Maquetta Avion

I qu(Pa) qa(Pa&) ZO(Pieis)

0. 22225. 9034. 35361.
0.78 25644. 9242. 37000.
0.64 28005. 10110. 38157.

Si on avalt pas a"apt& Vlttude is vot antP Mach 0,70 st Hech 0.84 lrraur Sur (qM I qa) auralt itSis lonrsr do 15 Z (on stsectuant un vol A CaM' constant).

On pout eusel coestater qua Is rapport (8 S . - Aentraioe

=- Ad __

a,(I0 A',) We5  q E,I,
Cc quiidoueA pctr doi (1) at (2): (3) (Ir r.

Avoc O* coetrainte atatiques eons un moment Mt -veat we &tat des loagusuts is riggrenca.

on couneras l gaLit& des contraiste ins ue charges etatiqus sur L'avioo et emr maqustt.

Ue tell* coqusttea qul rmpsctSra LS iiorsate statiques do L' evioe* en ayeat sn particuliar Is isiiviLLW s tontlis l savergurs s aura pants lm ~sndes peoples quo 1' avloa tat plas Morot
A- quaoI' evios ella aura des triqusefes propres beancomp, plns Gisvis c quL set us avantaga palsque dase10 domains des friquseces riduites ds lavion 11 all aura quo ta nipoesx fore". do ues ue olessents~: ~ at It Is turbulence io La soul Cleric.

Bagin, poce qua Is rsect des ditormtons *tatiquse **it cmplet it eat oiesaire do rspecter tapantrioes do Vsse dstiqus do ca&sse" Sellers st d'avoir an outts des cosditloss limits AI'Ss~tromt ul 001st repttosattivs is l esceetroaeat to lais Swine set Is fssias- L'GtUioasSwant proJst d'en tells asquette a atGai ma faisabilitS.

4. -- Y~

IV



23-5

ciblee Laser, ie "scure do Is dizormattom do Is eaquatte au -Moines 1.Long do bard d'ataque at du bard d

out pa use asite celean do type greed alLoogement. cent attn do vitrifter quo Los dioerbotone d

4 chatge. etetique. donsst bien nasance AIis dMormation calcuLe.

tbiorte-eeeats an ce qail concern. Lee coefficients globaux on locaux. essoal par butane* ou per epetims

scantwsive.

par "oLiors elte pourrait suest servic pour des Studes de coutrile de tremblement quL1 out dEJA Wi

'ardee 
A 'OWAA ().I ~ ~4.2 - Want des forces testatioesare es enarn dicolmet -

SUIVeni den techniqus dorse et aijl else. en aeuvre (8, 9, 10) on tentera ensutte ds d~term~ner los
forces Lostationnatree dues aux dicotimante par I&ascure du choap do preesiona instationnairee.

Lee aquettee computes n lce don-maquettes montiee IsL paint, riaILiaes A grends "challs pour Sire

utlIleGee dene Is enuffierie St do LiONMA, poovent Sire Aqutpiee Wasn grand sombre do prison do preselon
smeorent eteotnheent Les preeone etattonairce at otnetionnatree (par exempt* fig. 15, 400 capteors
ripartle eug 15 Cordes en envergure).

De ensomateurs moyenneurs, travaitionkt dans Is domain. temporal at portent cur obaque cord*, permettent
4e d~term~ner A l'aide d'une pondirstion priditorainie. Is distribution de portence ct do momeit en
valoure efficaces. La traneformie de Fourier coaplex. de cee quantitic prenant one des Cordes coa.t
r~f~renc, de phase, donne triquence par triquence Is point dappttcation, Is module at Is phase relative
des tooce sirodynemiqoes instationnatres.

A tire* Iexampl. is figure 16 .outn. pour tcote sectionsea "i oun e de Hach donne ii6voiution des
forces do dicoleuet par trenches dens Is plan des friquencee en function do linctdence de l'aiie.

On en diduit (fig. 17) des forces giniraiisies de Iaile compute (ici pour It sode do flexion).

Dane to cas d'une ails semt-rtgido Ic vecteur ripons doe forces eirodynauiques atattonnairee coeprend

en souf ice trot. compoeantee. La prelibre provLent de 1'excitation do is maquette par to turbulence
aaturolie do Ia eouff torte (ce vocteur parasite oct tris attinui en g~n~ral en voi), Is seconds
compoenie eat vieible our lee I riquencee propros do Ia maquette et Correspond A ts ripones on presoton
Indutc par lee mouvesente do Is maquatte dus au tresebiment, Ia trolalimo coeposante enf in, qui

P conetitoc Is second sobre des Equations do i'erlgasticitG, exists sants ouvement do taile at
Correspond aux forcee do dicotlieont.

Par PISvolution de iorcee g~nfiraiisfies Alone incidence A iVautre Ia filgure 17 tilostre ces trots
quantitis. Le premier term. pout Itre coneldir# coa constant ot ind~pendent do Vi'ncidence tondie quo
Is doxime at io troistima tores existent thioriqesent die qu'ii y a dicoltasent.

4 U1et alots niceesairo de rechercher une function de lisae parmettani do coroctiriser tes seules
force. do dicolemni quo reprisente en g~aniral one fonction monotone (fig. 18).

Sar cotte figure on pout noter quo to fonction de tissge ciieabtit tris vito et caste eneolte identique
a ello-alme. Dana i'exoispie chotst one moyeano temporetto de six cecondos a suffi pour d~ftir, dons on
large doeains do I riquences, Ia force do dicotlement.

Ce parsoitre do Is durta des oyenneset cimiportant dans Isascure noh one comparoison avec Lee risultaso
d'oseate en vot *at effectui.. En effet, to pilots no peut faire des p~n~trations en trutabtment A Macb,
Ca at oltitude constants qua dane lee manoeuvrs en virago done even: tectour do charge. 1t Oct dill icito
dans cc. conditions do pouvoir fairs es aseures stabiILsiGO our o temps long.

Taodte quo ia figure 19a compare tee courboc do tisage entro elies (fonctions du 34me ordro), is f igure
i9b pride.o I'orr quodratique soyenne isotrani que iris vite i'erreur our I* diteretnation As ta force
oat intiriecre I to0 1. Gee degniere risuitato out It$ obteaus our on aqette d'avion do combat. A titrd
d'aomeeto t figure 20 contre ts distribution de ia force giniraitee Wasn ends do flexion en envergure.
Weslls Et&ir divisie en sit trenches correspondent I six Cordes do esure des preesione inetattonnoires.
o pout romrquor quo Is zone do dicoilemoni cot concentric A 70 % do Venvergure. Capentdant, ii I aut
oter quo to compoctasoni d'un ovin civil do transport so tresibiement, des Is coo do dicolomont
doggire on chboc o iransonique, Oct irio diff~rent d'un avion de combat. Tootefois, our ccii. maluetta
dWanton do combat dont on donnohsesait Is base des codes pcopres ci te ricott does masore d'acciiiration
en diffirente points do Is structure, servent de coo test$ on a calculi A partir de is distiution des
forces complexes do dicotiemeni Ia riponee do is structure en on point our doux modes Ia acoure
d'enciliratton a 60i faits an boot dalls.

La tabieau suivont rname iLes rsultts obtonus A X - 0.8 ci sta0,O5

Configuration I Configuraion 2

exp Cal cip Cal

'All cofgrtosI --------------------------------------------- '.

isuotins at2 correspondent A e conditions Iti~ts I l'eptantor. diftirentes et dooc A de
I rdquences at modes dilfirenie.

.4,OA
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4.3 - WaImsa do sawbe do Sayseld*. 40 Setitaior am Us. d6Clcsim o-

Plustours Staded ostropriss. d"ss dilflrests pays Ong test& do wcattec L 1sf luence do sombre do Reynolds
mar Los Conditions do, d&CoiLtemmt. On pout citer

-Dee Stuadds eo scuff tot.. cryogaLsquos qul ptlsomiost L'ovesisps do trov&LiLsr A q - 1/2 f, v 2 
constanti

quol qua Gait Io Sombre do Leysolds sets avoc 1'L£scovalwaet do n uthilser jusqu a co jour quo do&
equottee do taibiee disossloss to qui limits ConsldlrbLoesont Laur Iquipomont.

-Dee Studes tait te doss des oo".Loce A Bae&"*a~n' proteino 86obtotrice doad looquols, molhouceusmst
los parmlte, do pcuoLos dynaiquo awsoctlo I Is dlforation statiquo, si do sombre do Reynolds soat
diffictos, A dLO4Coc (&=copt& an btdtoosetosnsl even des maqutts quo lcea pout tonsidlrot cioe
riglde (11)).

-Des &rude*s ue des grasdoo usBottom do 3 A 4 mitre., do demt-osvergure utLLIslOs on transooLque par
examople dass Is souff lecte 51 do IlOVKA (7) qui soules, porneitrost Is mise s ouose des assures
diocutlos au ebephito pclcdoat.

to irovors do tout** coo linde it soavgrs on porttulter. quo Liaspoct Lmstaioessio Blest pas souvent
pris on copto. Des recherche& dosm co doasiso, y compete Loco des sats s Sol, par515005t
indlopensabios pour l'svosir (L2). Dii point do vias statiosaIre, iI enable possible do Minster Cottaifis
paralires do couches itatto. sue Ilavics, par exempts su berd do fui., par an poatticonsoosi do Is
trnslton dltarumi A portir do Colculs coupllo quo Ilin otfectu* respect lvemea dams lee conditions do
vot at do oufflottO.

4.4 - ftlocipm do Is trsepgI~no scuff tort. vol -

A pantic des ssures ofoctus osur la saquotto alrolsiquoont seablable I& transposition &u, vol
pourrait lite t~alislo do Is taro* suiv~o

- A) Calcul des Nodes propro do isvlon on dliotolnation par un ososi do vibration se Sol des promios
- moes etructursux (Y copriets *sortiseotns).
-)A pertti do CoS modes peoprom on pout Calculet, dane los aquations de l'Slto&Lesticitl, les forces

sltedynaolquos Ilslaloloes seexor 1 08t our Is structures csi-1-dtto 1os qustitla A + St.

(4) (-pQ22zflCj+jQ )a+TpV2 2XA+Bi))q=PKw)

to taicul pout s aLto per uno aliteedo do doublets corriglo per troncho I portir d'osss on aoufflorio
tenant cempts des dlfotuatioss statiquos do L& aquette sous charge. Dams IS dlbut do troublomont une
correction son inhaire Stabile A portir do LS ssue do C: o foscttcn do OL foutnit dCz / ddx ot
OR / d~k . Cos veurs diminuont ovec 1' idenco croissante ; il on set do Emim des veurs dos
presotono indutto par is souvomont do Leile.

-C) La truisilmo portio consists A Latreduirs doss IS second seombre do LlSquation (4) Les forces do
dlcoilewont r(w) sous fors do forces alsrILLS~s en portent des modes do lavion at des voeurs
do souff torte dltotainlos pot trenches. Co caLcul permot pour touto frlquonco Wun modo prepto
d'obionit on tout point do La structure as rlposse dynomique. Sn particullet, sito porottrs on
eutto d'asILOt tlo crtto qul ia iisiaIIncidence msaim"n funcion du nombre do Koch.

Les o$Seis do tcomblemeat on scuff lorto our des maqustos dlavion do transport pouvnt, ot doivont a1tro
modif918s at en vout smLLlocr IoS comparatson Satreo Los tlsultats dsesis en scuff lerto atio vol.

Los preblimes poo*s par loe aoses on suff lote dos s 10 rambiomont (Sombre do Reynolds, dlforseion des

aquettes son coitrollo , bruit do fond important donnasi des dlcalages do arto dens lea forces
instaiiossaitoss fnn connstsonc des forces do dicolismos on porticulit do Loar distribution complete

Cos SeLLotos possni per Io choL: Od"~ souffILecot do greade dimesion, do maquettes roprlseniivs
dos deforaios statiques do levco at d'unt IquipeMnt do assures do pressioses taionsattss et Losta-
tonairee Staultanlts an ftains pot card*.

Nuosanie coo svALLtorsions, it soabl* quo do etioros privloss concornant I& dltersdttoa du
treoblemoni as vol ooioai t~Lisables done un avenir prehe, mats au pre das of fort do rocherche
ioportsnt qu s pout pas lire l~n So soul demoiss do is scuf trt. at qui iaplique lgslouont des
assures am vol approptiles A lisselyss d4tatILlo du ph~oobse.

- W~kv
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Fio. I1- Vhufwan do Fi'kanmntpar~wl par1 ffkw~iouitg
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Fig. 9 - R4-osi do swcture par An valeun RAIS
d'un wcAdnmmd an W fonletin do l'kxicid..
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a soufrlerie AO 01
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ACCURACY REQUIREMENTS FOR HIGH-SPEED

TEST WITH ENINE SIMULATION ON

TRANSPORT AIRCRAFT MODLS IN THE NLR-H5T

W. flurgemuller I.W. Koci
Neaersctuitt-Adlko,-Blohm Gmb National Aerosace Laboratory NLR
Civil Tranaport Aircraft Diviaion Poatbua 153
Bramen$ Federal Republic of Germany 8300 AD Emeloord

The Netherlands

K.W. Mlhor
National Aerospace Laboratory NLR
Poatbue 90502
1006 04 Amsterdam
The Netherlands

SUMMARY

Air-driven turbo-powered simulators, so-celled TPS units, are being used in wind tunnel testing to
simulate the engine flow for an aircraft model. These simulators provide substentiel improvement In test-
ing me compared to simple through-flow nacelles used earlier.

In order to fully explore the improveaent potential in aerodynamic simulation it is mandatory to
easure ahigh level of accuracy or In case of increment testing a good repeatability because the effects
of engin interference dreg are of the order of a few counts. For increment testing a repeatability of

at least + I drag count mst be achieved.[I The paper describes the efforts made to demonstrate that this repeatability can be achieved in the
NLR high speed wind tunnel HST for a half eodel with a wing-mounted TPS engine. The test wee performed
in a joint program of NIR and MOA-UT, where MBB delivered the model and TPS unit with engine cowlings,
while NIR was responsible for engine calibration, wind tunnel inetrumentation and the test.

To obtain the desired quality of the final teat results the investigation was subdivided into
several steps. Theme steps and the technical problems and questions encountered will be described in
detail.I NOMNCLATURE
A n engine flow area at station n F N engine net thrust

C ebellsouth discharge coefficient F n engine thrust at station n
CCcubic nozzle discharge coefficient *m, engine sees flow at station n

C,, engine discharge coefficient at station n P0  tunnel free stream static pressure

C Bbellsouth velocity coefficient 'pto tunnel total pressure
C cubic nozzle velocity coefficient Ptn engine total pressure at station n

C Vn engine velocity coefficient at station n V0  tunnel free strewm velocity
F E engine re drag force vni engine ideal velocity at station n

FG engine gross thrust For engine station definitions see FIG. 17

1. INTR0UTION

Increasin cometition between aircraft manufacturera eteedely force the experimental marodymicieta
- like the other developent tame - to improve the accuracy end quality of their teat reamits. Therein
goal of thes impromants is first to minimize the financial and technical risk for the aircraft manufec-
turera, i.e. to miniaize the gap between predicted overall perforlencesaend thos meaured during the
later flight teat period. Second, a steady improvement of global and detail testing techniques is neceasary
in order to give a better understanding of local flow effecta, And, loat not lestp it is necessary to
deliver higi-qmality remits a input for the further developmsht of comutstionel fluid dynamicsoda

To Indicate the importance Of a decrease In the margin between predicted aid realized perfommncee,
corrpna with a reduction in fuel consumftion dependent on block length between 200 end OW3 kg per
flight or about 0.2 percent DOC imrovment.

a-77
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Due to this, today* high-epeed wind tunnel tests mrs aiming at an overall repeatability of about
1 I drag count which corresponds with about 0.7 percent DOC in case of an Airbus type aircraft. This

rmestability is neceseary especially for the investigation of the effects of small modifications.

An important srea of interest and the subject of this paper is the wing/pylon/engine interference.
Irwestigtione into this highly three-dimensional flow-problem require an accurate representation of the
jet-flow of the engines, since it's effects (jet-interfernce) are not negligible. The magnitude of jet-
intsrfsrence is highly dependent not only on the size and location of the engine relative to the sing,
but also on the combination of wing profile end engine/pylon design. So, in order to make reliable per-
formance predictions for a new aircraft and to enhance the understanding of these complex flow - phenomena,
models with active engine - flow simulstion necessitating sophisticated test techniques are required.
The importance of theme techniques probably will increase in the next future, when new engine developments
like ducted and unducted propfans will mature for the application on new aircraft types.

In order to be prepared for these new applications as well as for isproving existing aircraft, a
joint test program of IUB-UT and NLR wae performed, concentrating on interference effects in the high-
speed flight regime of a transport aircraft. For these tests a half model of a transport aircraft with
turbo-powered engine simulator (TPS) was made available by MiS, while NLR was responsible for engine
calibration In their model engine calibration facility and the tests in the NLR-HST transonic wind tunnel.

Main purpose of the tests was to show that test set-up and evaluation techniques are able to produce
results with an overall repeatability of sbout + 1 drag count. Thereafter in addition aeme preliminary
investigations of small configuration changes ware made.

2. TEST APPROACH

The main purpose of the present HST test was to show that the jet interference drag generated by
a TPS on a half-model reperesenting an Airbus type of aircraft could be defined with a repeatability of
+/- 1 count. To reach this high level of repeatability a stop by stp procedure was chosen to validate
the main test elements used for model installation and instrumentation. This step by atop procedure was
followed both in the Model Engine Calibration Facility (ECF) where the TPS thrust had to be calibrated
as well as in the MST where the half-model "sa tested wind-on. Additionally in both facilities a cubic
nozzle reference test was executed giving the possibility to compare the EC and MST results at M . 0.
A review of the test approach contains the following items:

a In-situ "calibration" of the fully equipped ECF balance (fully equipped means that all wiring, oil

supply line and low-reaction air supply line were present).

* Teat of a cubic nozzle in the ECF.

* Calibration of the ECF bellsouth for mass flow metering in combination with an ECF balance check.

a Calibration of the TPS in the ECF.

a Complete calibration of the bare wind tunnel balance and a check on the effects of the additional
wiring and the low-reaction air supply system.

a In-situ "calibration" of the MST fully equipped balance.

a Cubic nozzle test in the MST.

a Wind tunnel test on complete half-model.

a Repeat of the in-situ balance "calibration".

3. TEST FACILITIES

3.1 The Model Enmine Calibration Facility

The TPS was calibrated in the NLR Model Engine Calibration Facility (ECF) (Ref. 1). The purpose of
the calibration is to link the TPS internal instrumeentation readings to its gross thrust under the condi-
tions where the internal flow of the TPS matches the conditions in the wind tunnel. This internal flow
matching is achieved by creating a pressure difference between the TPS inlet and exhaust plane equal to
the wind tunnel engine ram drag pressure, i.e. the wind tunnel Mach number is statically simulated.

A schematic vies of the [CF is shown in Fig. I. The design of the facility is comparabl to the
Boeing (Ref. 2) and ARA (Ref. 3) facilities. The tank in which the TPS exhausts and which can be evacuated
to create the desired pressure has a diameter of 3 mter and a length of 6 meter. The TPS/pylon combine-
tion is mounted on a sbstructure which itslf is installed inside the central bellows. This bellows form
a flexible and airtight ol between the metric isatructure and the non-metric earth fream. Three load
cello measure the axial force, the side force and the yaw moment acting on the substructure. The accuracy
of the balance is 0.2 percent of the measured value.

The pressmre difference over the bellows frontal area exerts a load on the substructure. This force
is campeneatd for by two additional bellows placed between the substructure and the earth frame. The
two ceqomenstion bellows hove together the same frontal area o the central bellows.
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Thm drive air tar the IPS turbine in supplied by a coepresor plant which can continuoualy deliver
9 kojeac dry air (dee-paint 210 KC at 1 bar) at a p-raea of 90 bar. A control valve raducee the preseure
to the level nede Itar the required rpm. the quanlity of the control valve wee such that for the TPS used
In the peasant Investigation whrich ha a Puam rotational speed af AOM rpa, a Mpa stability of */- 25
rpm could be obtained. Downsteam af the control valve a heat @%ahenger hasta the air to the required
temperature, shich, un tar thin teat selected to be about equal to the MST wind tnwual stagnation tome-
retisre (300 K). The heat exdve in tolloed by the memo flaw wetering station consisting of a flow
etraightener, a tomerture/presmare probe and a sonic Venturi all designed according to the recoende-
tiona af Ref. 4. The non-aetric supply line was connected to the metric line on the substructure via a
six degree of freado law-roetion airline bridge (Fig. 2) using three flexible pipe connactore (MP).
Each FPC hee two angular degrees of freedom obtained by a single ply metal bellowse ged in a Carden link.
Experience hes "how thet this type of arrangeaent limits the interaction and hyeterein to a very law
level and thet the residual effects of pressure and tamperature variation can easily be corrected tor.

The tan air in coming tree outdoorsaend enters the inlet of the tank vie mufflers end a pair of
gmuzes.

The total tank flaw in eaeured by a bank of 9 sonic venturie located at the kouttrees end of the
tank. The throat area of the vanturie fare a binary series. To mkse the flow aufficiently uniform a
perforated break-up basket is placed halfway the tank followed by four full asht screens. Thrae modaar
mash screens placed between the TPS exhaust plane and the break-up basket reduce the recirculation due

* to jet entrainment on the outside of the IPS nacelle to a very law level.

Metering the mess flow with the tank Venturi bank has the disadvantage thet during a calibration
run the tank pressure increaes with incrasing rpa.

Therefore calibration results have to be interpolated to obtain constant tenk presmure i.e. conatant
Mach number calibrations. This process can become rather annoying due to nonlinsarity etffects (Ref. 3)

* and will undoubitedly lead to a lose of accuracy. A way to circumvent this problem in to open all the tank
venkturea and to utilize for the asse flow seaaurements the balimouth already att Ahe to the IPS intake
for inlet flow conditioning. Then the equivalent Mach modor is controlled by the smount of auction with
an accuracy of +/- 0.002. An additional advantage of the uee of the bellnouth ia a reduction of the ties
required for the calibration since the opening end closing of the venturis is very tine cosumfing.

3.2 WJ une

The NLR High Speed Wind Tunniel HST used for the half-aodel test is a variable presmura tranaenic
wind tunnel with teat section dimensions of 1.6 *2.0 eater (Ref. 5). The teat section upper and lower
well have 6 alots each resulting in en open area ratio of 12 percent per wall. In the present teat the
tunnel saegnation pressure was slightly above ambient pressura as a result of the venting of the TPS
drive sir by simply opening a valve in the two Il settling chamer.

223 IC PS drive air wee auplied free a 600 m3 40 bar storage veosel. The air dee-point use kept at
23K(measured at I bar). Thedrive air pressure wee regulated by a control valve making It possible

to keep the rpa of the TPS during the measurement or a datepoint within 50 cpa of the selected value.
The drive air was fed through a heat exchanger where the air was heated to tunnel stagnation temperature.
This prevents heat flow f rom the supply lines to the balance. Mesa flow metering ws accomplished through
the sees sonic Venturi as used in the [CF but now located in the wind tunnel supply line.

p. 4. MOCES

4.1 Ce&ihod

The purpoee of the cubic nozzle was to Validate the [CF and HST instrumentation and to make a com.
perison between both facilities. The model in in principle a blown nacelle (Fig. 3). The nozzle geometry
is conform with the design used by Boeing (Ref. 6).* The nozzle dimnsnasn were choasm such that the mome
flow range Patches the TPS moee flow range. A throttle plate positioned in front of the nozzle wea
designed to sake the pressure level in the supply line equial to the level during the HST TPS-tests. Thin
wa done to have almost identical airline bridge conditions during nozzle and TPS-tste.

The nozzle Inatrumentation consieted of 7 total presaura proe end 5 thermocouples.

4.2 MclaWt ui ma iiao

The modal nacelle was equipped with a TO! 44l TPS heving a fan diameter of 127 we (5 inch). The core
and fan duct inetrumentotion of the TPS conisted of total tow*e sture "n total pressure probe raen,
-m Fig. 4. Experience ham 1-a that during testing notwithstanding precautions, one of thee being the

use of a purg system, soepra eay become blockead or leaky. The couse of thin frequent malfunction
of TPS instrumentation in due to the aggreesIva nature of the oil usad for lubricating the bearings. With
an redundant aount of proe (F ig. 4), .aissing one or tee probn' doe r. it effect the accuracy provided
that all results including those or the calibratien ora rpresas without the faulty probe(s) or that
some appropriate atimae for the missing values in modb.

Apart free the rakes aeemlies the TPS instrusaontatiu, Included thaemocules far bearing temerature
monitoring, an acceleration pick-up for vibration monitoring and an cpa-tranesue.

The TPS cowlinge were with the exception of the core plug and the core exhaust duct, made of alusi-
niain. The core exhaust dud and the core plug were weds of a material with a vary law thermal conductivity
(Tufnol) in order to prevent condensation and ice build uip on trailing edge of the core exhaust duct due

A" to the low turbine temperature and the humidity in the fan air.
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244The aigorgft mudel wlactsdfor thisia VaeI=ai e a I :6 cle hlf..del of the Airbus type..,

A photogrph of the medal ated in the MN ig Wpe ind Tunnel HST is shown in Fig. 5 and a sketch
of the mdl with its in dimensions a n in Fig. 6. The model m attached to a 5oonant strain
gauge balance, with the following usmo

K1 norm l force I N N
K2 exil fece 1 2000 N
K3 pitching memat a 1500 M
K5 y-,ing ent & 1700 M

K6 tolling moment i 7000 Me

The balance was situated inside the rotating inner barrel of the tet section sidewall model support
(Fig. 7). The angle of incidence of the model is set by rotating the inner barrel. The reproduceability
of the angle of attack is 0.01 degras. The inner barrel carries an end plate, the turntable, flush with
the side val of the test section. A rubber seal was placed between the metric part of the balance and
the turntable to prevent ai leakage to the planu. A so-called boundary layer plate is attached to the
turntable. This plate is non-metric and has the saw contour as the half-model fuselage centre-line
contour. It compensates for the boundary layer on the side wall of the test section and aocmodates a
labyrinth seal. Thia seal was applied around the entire fuselage circumference.

The nose and rear end section of the half-model fuselage were equipped with a row of pressure tape,
see Fig. 6. The purpose of these pressure taps we to get information about possible buoyancy effects
due to Jet interference on the fuselage.

For air supply to the model use wse made of a six degree of freedom low-reaction airling bridge.
The non-metric part of the airline bridge was attached to the inner barrel of the side wall model support.
The design of the airline bridge ma Identical to the one used at the ECF.

5. MODEL ENGINE CALIBRATION FACILITY TESTS

5.1 C n

A static thrust calibration of the cubic nozzle was perforeed in the ECF keeping the tank pressure
close to ambint conditions. The results of the calibration are shown in Fig. 8 snd 9 together with the
HST and Ref. 6 results. In the MET test the oms venturz, instrumentation and transducers were used. For
a further discussion of the results see section 6.

5.2 TPS

5.2.1 aellmnuth

In general the accuracy of bellmouth mess-flow metering (see section 2.2.1) is less than that of
sonic venturi. This holds particularly for low maess-flow rates where the pressure difference between the
inlet and the measuring station becomes small and measuring errors become significant. However, NLR
experience has shown that by combining bellouth and venturi results the bellaouth accuracy limitations
can be relieved. The procedure followed is to determine first the bellmouth discharge coefficient (Cn)
without the TPS over the expected mas flow range using the venturi bank as the standard (Fig. 10). The
coefficient COB wes calculated from the static presure distribution in the cylindrical part of the bell-
mouth and the mlbint total prassure and temperature. The solid line in Fig. 10 is the curve-fit used
in the date reduction program. The kink in the dats is assumed to be caused by changea in the position
of the boundary layer tranition in the bellmouth as discussed further on in this chapter.

Next during the calibration runs with the TPS installed the accuracy of the bellmouth mes-flow
metering is checked versus the choked tank venturis at the TPS maximum mse.flow. Moreover, to achieve
the required accuracy, a correction has to be made for the changes In the humidity of the fan air. Then
in general the difference between the two methods is ls then 0.2 percent. Also at the lowest mess-flow
a nmer of checks are made with the venturi ba*. This mess-flow ineccurs-7y dominetae the overall
accuracy of the TPS force calibration in term of Cv.

A seond aspect of the use of the bellmouth is its influence on the force measuremnta. Comon
practice wee followed here to neglect this offect in the Cv calculation. This Introduces a bias error
and in the following discussion en attempt will be made to etiste along different lines the mgnitude
of this bias error.

The forcee acting on the bellsouth can be split into pressure- and friction-forces. Of theme the
friction-force represents a loss working in the direction ageinst the prassureforce and in principle
has to be accounted for. This becomee clear when one thinks of a TPS calibrated twice, once with a very
short bellmouth end once with a very long bellmouth. The difference in bellmouth length will result in
different friction-forces and thus in different calibration results.
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A first estimate of the friction-forces se. sodt by calculating the boundary layer based an the
zusied pressure distribution and using the usthod of Rsf. 7.* Becase thu boundary layer transition sue

aisaun the calculation was dam. twice, One with the transition calculated by thu program ad once with
the transition fixed at the auction peak. The calculated transition point lays almost at the end of thu
bellamth. for thu calculasted tranuition thes friotion-forca is 1.5 N an for the fixed trunsition 2.6 N.
The calculated friction farce can be cat in the form of CV80 wherst

The calculated C.-valme ae indicated in Fig. 11 by the cross symbols.

The second C~ estiate steam from the umesured CnB. In Ref. 8 it was ehown that the nozzle CVB are
both related to th boundary layer characteristic.. The Caj-rssults calculated frou the umeasured Coe are
slown in fig. 11 by the twa linus. The tipper line gives the result for a lainer boundary layer and the
loser line thu remilts for the turbulent bouxndary layer. The kink in the lines corrasponds with the kink
in the Cgg-line, slow in Fig. 10. As stated before the position ot the transition point is unknown.

A third estiate coae frau direct balance umeaureuents of the bellsouth. The Cis mesured force
divided by ideal thrust. The results ae given in Fig. 11 by the circles. v

The results frau the three methods agree, given the uncertainty in transition location, rasonably
sell. Thu conclusion to be drawn f roe this is that the friction-force is at maximue about 1.2 percent
of the belaouth ideal thrust which at maximum fan uss-flow corresponds to 233 N. At this condition the
TPS produces 482 N thrust and the bias error in the calibration is therefore 0.5 percent.

Although application of this correction lookes straight forward, there is a complication. During

the calibration pert of the inlet is replaced by the bellwouh. In the wind tunnel the inlet pert is
mouintud again and in fact the friction-force on this part reducs the bellmouth bias error. An estimante
of this redution is difficult to give.

5.2.2 TPS-csLibrstiI To evaluate the engine interference drag the thrust developed by the TPS hue to be sub~tracted from
the sind tunnel model forces measured by the balance. For the thrust calculation it is necesry to know
the TPS nozzle velocity-coefficients CVB. C~jS and the discharge coefficient C018 mea sfuenction of the
nozzle pressure ratio (tfq) or the fan mses-flow &IS versus the rpm both corrected to ISA sea level con-
ditions (for engine station numbering see Fig. 17). The coefficients were uesured for the wind tunnel
Much numbers in the [CF over a range of rpm'a covering the range between flow through and the cruise power
setting. The CVB-coefficient cannot be measured in the ECF end mst be obtained from a separate isolated
nozzle test. This coefficient is normslly provided by the eanufacturer. In the present investigation CV8
was set unity.

Typical examples of the C~i and *18 measured at equivalent Mach rnumbers of 0.70, 0.78, 0.80 and
0.02 respectively ae shown in Fi. 12 and 13. The fan nozzle velocity coefficient Cvie is defined ss

F FS
C i2

is1 , vial

in which the fan thrust FIB is the difference between the engine gross thrust F mesrd by the ECF
balance, sinus the calculated core thrustt: esr

The ideal velocities ae calculated from the rake total pressures; end tempertures ssuming ideal
expanuion to amient conditions.

teThe Cigand A reulte for the four mach numera (see Fig. 12 end 13) show with the exception of
telowest WUMh~ and high NPR hardly any Hoch number dependence. A number of detepoints was repeated

and based on thoee points end prior experience In the low Mach -nI ir range (Ref. 9) the repeatability
in C via is estimated to be better than 0.4 percent (wee Fig. 12) and for CD18 batter than 0.2 percent.

During the calibration teat en anomaly in the long tars repeatability was observed. This anomaly
waxsmt pronouneed in the fan discharge coefficient so N in Fig. 14 where results f roe three teat
runs at en equivalent Mach umber of 0.82 aea given. Two of the three rune fall well within the 0.2 percent
scatter bend but thu results of the third run deviate. Thu explanation far this is that due to the amomma-
lation of dust on the fen bludee the performance of the fan dugradu. It sea not until a number of runs
with en unexpected bad reproduceebility sure suds that the dust socumulation was discovered. After the
blades were carefully cleened and the filtration of the fan air coming from outdoors ea dratically
improved no further pollution problems more encountered. For ea Mach number a fourth degre polynomial
wee curve fitted threugh the M~g am a function of the -p . 1 9d the C~j@ and the 

0
v11 s a function

of the NP. Theme polynomials wer* used In the wind tunnel date psosIng. A flurther set of data used
In the wind tunnesl are the total pressure and temprture distributions measursed by the fan ad cora kes~. ~ The ehep& of theme distributions during the wind tunnel and calibration test should be equel. Ay change
makes the applicability ef the calibrations questionable. An exspe of thu fen exit peear distribution
is given in Fig. 1i. moreover a good - pmod-cI ility during calibration se well me during the wind tunniel
tost requires thet the 195 in in theraal equiLibrii. This emw uonitored by tracing the output of oe

of the rake thermocouaples as a function of tie.
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6. WDO TNU TEST

Prior to the b*muL mummting the haif.4odel bolm ma extensively calibrated in thu Calibration
Rom in the following comnfigurations:

* The clen balance, without wiring for model instrumemntation and low-reaction air supply, to determine
the standard calibration coefficienta under single mad combined force, and moments.

* The balance equipped with wiring for inmtrumentation end tubing for the TPS lubrication system between
the metric and the non-metric part. The Influence of the wiring and tbee proved to be negligible.

* The balance equipped with the low-reaction rely system preeurized at various levels (1-40 Bar).
Thie resulted In a =all pressure dependent influence on the axial force (lees then I N) and pitching
moment (les thn 1 INo). Thee effects were eccounted for in the data reduction of the wind tunnel
test.

Next the balance se monmted on the side wall model support of the MST teet aection and a
"calibration' in-situ ea executed. With a special rig axial forces of 4/- 2O0 N could be applied by
meens of dead weights. Moreover normal force. of +/- 1000 N were applied in cobination with the axial
force by cable pull meamured by a led cell. This led to moms essential improvements:

* The adJustment of the FPC element m iaproved.

e An axial force correction due to the deformation of the rubber seal (see Fig. 7) between model adpter
and turntable wee necessary.

After introduction of theme improvements the accuracy in exial force (W2) of the balance equipped
in its final configuration proved to be better then:

+/- 0.4 N if -200 < a K2 < 200 N

./- 1.0 N if -2000 < Z K2 < 2000 N

This corresponds at M z 0.8 to +/- 0.3 respectively +/- 0.8 drag counts for the indicated K2 ranges.

After completion of the helf-model test in the wind tunnel the in-situ "calibration" was repeated
with the ame accuracy results.

6.2 CubiMnozle t

The next step in the validation of the teat set-up was don by mas of a cubic nozzle test at -0.
The cubic nozzle (see Fig. 3) wa mounted on the balance/model adopter and connected to the air sqply
system thus enabling to check:

a The validation of the balance calibration and the low-reaction air aupply system influence under
flow through condition (including temperature variationa of the supply air).

a The wind tunnel instrumentation, data acquisition and data reduction as far as the forces and moments
measurement is concerned.

The results of the cubic nozzle test expressed in the velocity coefficient CVC and the discharge
coefficient Cc are presented as a function of the nozzle pressure ratio NPR in Fig. 8 and 9. Also
presented in theme figures ere reaults from the sase nozzle tested in the ECF and results from Ref. 6
for similar nozzles. A systematic difference between HST and the ECF of 0.W03 is found for c and of
0.005 for CaC. When the differences in CVC are related to the tangential force coefficient of the half-
model this aawr en error of 0.2 - 0.5 drag counts ImpnIng on WR thus about 0.3 counts In interference
drag. The differences betwen the HST results end the mean velue given in Ref. 6 are for C C about 0.005
and for COC about 0.004. When the balance accuracy is taken into consideration (0.4 N) then it is clear
that better CV, agreement herdly can be expected. Although the CDC dataepointe lay nearly on the scatter
bend given in aof. 69 the reason for the systematic difference between the ECF end MST values requires
further experimental investigation of the mmes-flow metering sy tem. This should include a direct
carison of the two ma-flow mtering stetions end, to check the absolute accuracy, a primey
calibration of one of the tationes. Moreover the limited inetrumentation of the cubic nozzls (only 7
preesmure end 5 tempereture probee) together with a nen-optimized flow straightener in front of the
prmme/tompereture rakes might contribute to this effect. Neverthelss the cubic nozzle tests Ioed
that the teat sot-up end Instruentation (wind-off condition) wee sufficiently reliable to determine the
jet Interference drag to the required accuracy level.

6.3 efddlts

After completion of the cubic nozzle teot the hlf-modl with TPS-nacells a ietalled without any
chenges on the already prepared and chocked belance and mir supply system. The used helf-aodel technique
fully conformed with the standard NLR method described In Ref. 10. The main features of the methd are,

a Boumrdry lyoer plmte between hlf-modal and test ection side mall, sealed with labyrinth.

. Bdy-alone correction on normal force, axial force end pitching meaht coefficiants. 1

.... .... .... .... .... .... ....
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0 Empirical sell interference corrections.

With respect to the instrumntatinnmd data hamdling the following remark. are mad.:

0 The Pressure transduces used for ths measurements of mass-flo mnd TPS/nacells pressure were the
aeas 8 wthem used during the cslibration of th TPS in the EF. Also in ths HST and ECF the sme

wntusi usd for turbine (-core) asse-flow measuremnts.

a For mll wind tunnel and TPS/nacell presaure amawsmits the as referenoe presure wss used
(P-beremtric).

* All tunnel and 1PS/necalls temperature wers masmred by chroml/alml thermocouples with the sm
refrence (273.15 K).

0 All tunnel and -mas-fln premure mmasurementa were checked by a beck-up (messuring the amas value
independently a secod tim).

a The singls easured tunnel, venturi and reference pressures, the balance components and the rpm were
red out continuously (48 per datapoint). All scaned pressures and temperatures (TPS/naello) were
read several times per detapoint. In the data reduction the arithmetic means were used for further
procesing.

a On the nose and tail of the fuselage 20 pressures were measured to obtain information on buoyancy
effects due to TPS power-setting.

0 On the tunnel well (slats), sbove and below the nacelle pressures were measured to signal possibler chenges in wall interference effects due to TPS power-setting.

The test procedure comprised incidence polace for the following conditions:

0.700 < = M < z 0.820 (stability +/- 0.002)

4.5 . 106 < = RE < = 5.0 . 106 (stability p /-100 Ps)

1.00 < = FNPR < = 1.60 (stability rpm +/- 50)

-0.50 < = L < = 3.00 (accuracy +/- 0.01 degree)

The change in the measured pressure distribution on the fuselsge showed that the influence of TPS
power setting on the fuselage pressure drag coefficient is less then 0.2 drag counts. Since the slat
pressures on the tunnel upper and lower walls were independent of the TPS power setting, the influence
of the power setting on the wall interference is assumed to be negligible.

7. RESULTS

The main parameters, used for the investigation of engine interference effects (Fig. 16) are

s installation drag, which is generally the difference between the model with and without nscelle/
pylon and

" jet interference drag, which is the difference between the model with and without engine flow
simulation.

Jet interference drag, which is often defined as the difference between a model with jet simulation
and one with a conventional through flow nacelle (TFN). This allows to do the major part of tests In an
aircraft development program on models with s simple TFN and to evaluate the jet interference increments
only from soms special tests.

7.1 Thrust calculation

Because the TPS is mounted directly to the model and hence to the balance, it is necessary to
subtroct the actual thrust from the overall balance forces in order to get the required aerodynamic loads.
Net thrust is calculated as follows (Fig. 17):

FN = FG -F E  with

F* = Fis + F8  or

FG = aI is Vl81 " CV18 
+ 

As " Voi " C'M and

FE -A " vm

s E n acting along the sxis of the tunnel flow and FI8 , F8 mre acting along engine axis.

The volume for CVlg and 1 are obtained fres the calibration, 69 is measured in the drive air Inis,
v1 8 1 and vgi are calculated from prmmures and temperatures measured on the rakes behind fan and turbine
a1d C8 i. equal one (s chaptar 5.2.2).



7.2 TP vrms l

for the Investigation described harms the TPS wa rat only used to simulate an engine with jet flow
corresponding to cruise condition, but also for the simulation of a through flow nacelle. The TFN-Condition
am defined such that pt,/pt o 1, resulting In v1g1 a v. This definition ia based an the asumtion
that the mai differanca eesmi a lEN and a real engine is due to the jet affects between wing end nacelle.
To drive the TPS at the lEN-condition a small amunt ot drive air was required. As the first tests showed,
the primary nozzle pressure ratio (Pt5/p0 ) was below one for this condition at low angles of attack, so
that it em not possible to calculate the turbine nozzle exit velocity tree this ratio smid hence nho turbine
thrust. The reason tar this affect is the influence of the flowfield under the wing which also affects
the static pressure behind the turbine for this asAbcritical flow condition (Fig. 18). The taste shwe an
increasing Pressure Pt5 with incrasing Incidence, so that for angles around cruise condition the turbine
thrust calculation posed no probles.

As them variations in the satitc preesure field below the wing are the se for a test with a con-
ventional TEN the only problem for the TPS-test was to find a way to calculate the true core nozzls exit
velocity in order to come to a result which can be comared with a TFN-tast.

To overcome the problem, the following solution was founds

Using Pt5, Tt~ 6 as measured behind the turbine reap, in the drive air line plus the core nozzle
exit ares Ale, It is possible to calculate the core nozzle exit Mach number by iteration of the following
equations

The nozzle exit values for temperature and static pressure are calculated troe

a td

va =M8 a a the core thrust is

Fa6 8 % ve +As -(pe -P).

The application of these equations for the TPS runniing at TFN-condition is shown on Fig. 19 together
with the result obtained using the conventional procedure. The agreement between the two methods is very
good for all cases with p A > po, while for p <p only the way described above produces acceptable re-
suilts. So, thia latter method was applied fog llTPS-conditions without posing problem.

The most important question during the first TPS-tests in the NLR-HST c-vered the repeatability of
the dreg measurements. For this purpose runs with the TPS at TEN and cruise power-setting were repeated
several time including such procedurea as tunnel stops, tests at the beginning and the and of a longer
run as well am longer time intervals between to tests (weekend). As can be seen from Fig. 20, all results
wre within or class to the required scatter band of + I dreg count. This Is vslid for the TEN as well
as for the cruise-condition. To realize such high-quality results in comination with a rnnming TPS, a
permansent control of all paremetera needed for thrust calculation is necessary, i.e. all pressures and
temperatures measured by the rakes behind ten and turbine as well as the drive-air mesefiow mst be cam-
paed with their corresponding calibration values, If this would niot be done, just the blockage of asingle pressure port (out of 30 in the fan end 16 in the turbine) could be sufficient to produce an error
in the thrust calculation of > 0.3 percent, which in turn is already equivalent to the 1 dreg couant, the
good for the overall repeetabTlity of the test results. From this it can be concluded that each single
parameter required for thrust calculation should have a repeatability of + 0.1 percent or even better.

7.4 U" of TPS-tacLmiou

As mentioned above, the TPS-technique generally can be used to investigate

9 jet interferences for one configuration or

a effects due to configuration changes for one single engine powr-setting.

To investigats the jet interference, some testa with the TPS running at TFN-reapectively cruise-
condition were done for different Mach~-roe. One of these typical results is shown on Fig. 21. As can be
amen f rom this figure, the interference drag varistion due to moll RP14-variations arounid the cruise-
condition was quites mull and wall within the scatter benid of + 1 drag counst.

An example for the investigation of configuration changes in relation which different engine power-
ettings is shown on Fig. 22. This test ems does in connection with the qustion whether drag variations
due to smull flap setting degm, in the so called variable comber concept (V.C.) can be affected by
engine power-effects or how reliable are TEN-teats in this respect. As can be san from the diagras the
results were not influenced by power-setting or, in other words, no further corrections had to be applied
to the corresning TEN-teats.
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8. CONCLUSIONS

In the HST drag force measuramnts have ben accompliahed on a halfmodel equipped with a TPS nacelle
rpresenting en Airbue type of aircraft.

The test remults she that the jet interference due to power Betting of the TPS (1.0 < NPR < 1.6)
could be measured with a repeatability of + I drag count. This remlt wea reached by application of a
test approach including several checks &urlh calibration and wind-on tests in the ECF and MST respecti-
vely. In particular, the cubic nozzle-tets a reference betwean ECF and MST for the sesent of data
accuracy and as a final overall check of the facility intrumentation, data acquisition and data
reduction proved to be very veluable.

However, the improvement of some details in the test procedure is still possible and will be pursued.
Based on the recant MBe/NR experience special attention should be given to the determination of bellsouth
friction-forces during calibrations in the ECF.

Furtheron, the value of the cubic nozzle tests as an overall check can be enhanced with improved
nozzle instrumantation.

Finally, possible improvesants in the ses flow meesuring system will be considered.

This work was pertly supported by the German MPnistry of Research and Technology (BWT).
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Engine Simulator Tests:

Comparison of Calibration and Mind Tunnel Results

by

W. Seumert, B. Binder, M. Stager

Deutsche Forachunga- und Versuchsanstalt fOr Luft- und Raumfehrt e.V.
Heuptebteilung Windkanile

SunsenstraSe 10, 0-3400 Gdttingen, West-Germany

Summary

A Turbine Powered Simulator (TPS 441) has been tested with a bellmouth inlet in the
calibration tank and with a flight inlet in the low speed wind tunnel at DFVLR Gttingen.

Local Nachnumber distribution shows good agreement in both facilities. The Pitot pressure
distribution behind the fen however is different. This is probably dua to the different
inlet configurations. The nozzle coefficients obtained in the calibration tank are used
to calculate the thrust of the simulator in the wind tunnel. The comparison with the
thrust measured in the wind tunnel shows that additional corrections have to be applied
when evalueting wind tunnel measurements with TPS.

List of Symbols

Ma echnumber

NRED reduced rotating speed, NRED - n/45000 .288.15/T 0

PHI perimeter angle, starting at the pylon

F-PR fan pressure ratio, F-PR Pt15/Pto

F-NPR fan nozzle pressure ratio, FN-PR Pts/PI8

CD discharge coefficient, CD - ;/iid

CV velocity coefficient, CV = V/Vid
CT thrust coefficient, CT = CV -CD

4.. T K absolute temperature

F N thrust

a kg/s mass flow
Subscripts

0 free stream conditions

5 behind turbine

8 exit of primary flow

15 behind fen

Is exit of secondary flow

id ideal conditions

t total

1. Introduction

Interferences between engine and airframe may cause considerable reductions in flight
performance of an aircraft. In order to get more information on these effects, DFVLR has
crested a test program on engine interference problems with a Turbine Powered Simulator
(TPS) and a half-model of a transport aircraft. This program consists of three steps
(fig.1).

Step 1:

The use of TPS in wind tunnel testing presumes careful calibration of the simulator. The
calibrations are performed in a calibration tank (fig.2) which simulates the wind tunnel
Nechnumber by impressing en equivalent pressure ratio between inlet and exit of the TPS
and sucking the mass flow through the TPS into a vacuum vessel. This tank has been
described at the AGARD FOP Symposium at Cease in 1983 (ref.1).

~ Step 2:

The calibration is checked by performing measurements with the TPS mounted on a single
strut in the low speed wind tunnel of OFVLR GSttingen (fig.3,ref.2).

I -I,.'~t..
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Stop 3:

Neesurements are conducted with the TPS, mounted on a half-model in the low speed wind
tunnel.

These steps will give us more inferation about the installation interference especially
it which parts of the engine or airframe these interferences occur. Step I end Step 2
have been performed. This paper presents some comparisons between the measurements in
the calibration tank end the wind tunnel.

2. Test setup

The calibration tank (fig.2) is equipped with a balance to measure the thrust of the
engine. The intake air is taken at ambient conditions from the laboratory, the exit
flow is sucked into a vacuum vessel vie 7 sonic venturi nozzles to measure the exit
ses flow. The turbine drive air is measured by another sonic nozzle before entering the

setup.

The TPS is mounted on the inner ring of the balance (fig.4). The fan cowl is sealed in
the front plate of the tank by using a labyrinth. To provide undisturbed flow to the
simulator a bellmouth inlet is used.

In the low speed wind tunnel the TPS is mounted on a half-model balance (fig.4). The
strut with airsupply as well as the balance are inside a windshield, so only the
aerodynamic forces on the TPS including the pylon are measured.

Two measuring planes inside the TPS are installed behind the fan (plane 15) and behind
the turbine (plane 5), see fig.5. Each plane consists of total pressure rakes,
temperature probes and static pressure holes at the wall. Additionally there are static
pressure holes in the inlet, on the core cowl and on the plug. In the wind tunnel there
are also static pressure tappings on the fan cowl. The pressures are measured with four
Scanivalves with appropriate pressure transducers.

The first TPS calibration in the calibration tank has shown some imperfections of the
measuring technique which have been corrected in the meantime:
- The control unit for the compressed air supply has been improved to get a faster and
more steady control of the rotating speed of the TPS.

- The Scanivelve system which does not measure the total pressure survey at the same
time was exchanged by a fast low level pressure scanner with a serial polling rate
of 20 kHz.

- A real time data reduction has been installed, so errors can be detected earlier than
before.

These improvements have been tested with other model engines in the meantime.

3. Results

The static pressure measurements are reduced to local Nachnumbera (fig.6). For the fan
and turbine exit flow the Machnumbers are calculated with the area-averaged total
pressures measured with the rakes. There is a good agreement between calibration tank
and wind tunnel measurements. In the case of wind tunnel test the local Machnumber
distribution at the nose contour of the nacelle shows for the inner surface an
overexpen:ion up to Ma 2 0.73 followed by a sudden recompression. It is not possible to
decide whether separation is induced by this recompression. In front of the fan the
Machnumber is about 0.5 in both facilities. In the fan nozzle the flow is accelerated
from Machnumbers of about 0.4 up to exit Machnumbers of 0.9. The exit Machnumber of the
primary nozzle is about 0.7.

Most important for us is the total pressure survey behind the fan. The averaged value of
this survey is used to calculate the nozzle coefficients which are the link between
calibration and wind tunnel test. These total pressure distributions however differ
quite a lot between calibration tank and wind tunnel. In fig.? the measured total
pressures are plotted versus the perimeter angle for different radial positions of the
probes, while the lowest curve of each diagram is the static pressure at the casing.
There are plots for the simulated Machnumber 0 (left) and 0.17 (right) measured in the
calibration tank (top) and the wind tunnel (bottom). In the calibration tank the total
pressure profile is more uniform then in the wind tunnel. The level of total pressures
close to the casing is lower and close to the hub is higher for the wind tunnel test
results then for the calibration tank values, while the static pressures measured at the
casing agree very well for both tests. Probably the bellmouth inlet which was used in
the calibration tank provides a much more uniform inlet flow than the inlet used in the
wind tunnel. The angle of incidence however has no influence on the total pressure
profile behind the fan (fig.S) in the wind tunnel measurement.

Although the total pressure profile behind the fan is quite different between
calibration tank and wind tunnel the area-averaged value of the total pressure in plane
15 is quite the same when plotted versus the rotational speed (fig.9). There is no

C: influence of the simulated Machnumber on the fan pressure ratio F-PR, defined as the
average total pressure behind the fan divided by the total pressure Pn in front of the
engine. Fig.10 shows the difference of averaged total temperatures befind and in front

t.: | 'of the fan versus the fan pressure ratio. The total temperature in plane 15 and the
total pressure P allow us to calculate idesl exit conditions in plane 19, by
assuming an isentfilic expansion in the nozzle to the pressure in the calibration tank.

'b
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Thin fan mass flow is obtained by aubstracting the turbine mass flow measured by a sonic
nozzle from the total mass flaw, measured at the exit of the calibration tank (fig.ll).
We see that fan mass flow .ncr.ees with simulated Machnumbar for low rotating speeds.
When approaching choking conditions of the nozzle the influence of simulated Machnumber
decrases. In the some way the gross thrust of the TPS increases with simulated
Nechnumber (fig.12). The gross thrust is the total exit momentum of fen and turbine
nozzls. We obtain it by correcting the balance force with the force due to the pressure
difference between tenk and laboratory. The fan thrust is evaluated by substrecting the
thrust of the turbine from the gross thrust. The turbine thrust is calculated from the
measured mass flow, the total conditions measured in plane S and a velocity coefficient
CV for the turbine nozzle given by the manufacturer. The real exit conditions are
calculated with the measured fen mass flow and thrust in the calibration tank.

Dividing the real mass flow by the ideal mass flow we obtain the discharge coefficient
CD of the fan nozzle. In the same way we get the velocity coefficient CV by dividing the
real velocity (obtained from real thrust and meas flow) by the ideal velocity. The
thrust coefficient CT is the product of both (fig.13). When we look to these
coefficients we find quite a scatter for nozzle pressure ratios higher then 1.3. Looking
to the unreduced data and cross-checking different results we assume some leakage
effects in the Scanivalve system which we used to measure the total pressure surveys. In
spite of these uncertainties we used a linear approach of CD and CT to calculate the fan
thrust from the ideal fan nozzle exit conditions (plane 18) of the TPS for the wind
tunnel test.

The total pressure end temperature measurement in plane 15 and plane 5 allow us to
calculate the efficiency of fan and turbine (fig.14). These efficiencies were only
calculated to cross-check the measured data. We did not make corrections for the
boundary layer when averaging the total pressures and we did not take account of the
recovery factor of the temperature probes. Therefore the efficiencies calculated for thefan are a little to high end for the turbine to low. The calculation of the efficiency

is very sensitive to the accuracy of the temperatures. The scatter of the data lies
within the reproducibility of our temperature probes. At high turbine pressure ratios
the temperature in plane 5 is lower then the dew-point of the compressed air, in these

* cases the temperature probe heads probably were affected by condensation end icing.

To compare the force easurements of calibration tank and wind tunnel the mass flow of
the fen for the wind tunnel test was calculated using the discharge coefficient obtained
in the calibration tank. The exit velocity of the fan nozzle was calculated with the
velocity coefficient obtained in the calibration tank and the exit velocity of the
turbine nozzle was calculated with the given velocity coefficient. With these values the
exit-momentum of fan and turbine nozzles and the inlet-momentum of the fan were
calculated (ref.4). Fig.15 shows these forces and all in all the calculated net thrust
of the TPS. In fig.16 the calculated net thrust is compared with the measured thrust in
the wind tunnel. Probably the difference (fig.17) is mainly due to the losses caused by
the nacelle inlet. Of smeller influence may be the change of exit conditions by the
wind tunnel flow around the nacelle compared to the celibration tank. An additional
correction factor evaluated from the data plotted in fig.17 will help us to calculate
the thrust for the wind tunnel test with the half-model.

4. Resumee

The comparison of calibration tank and wind tunnel test results shows good agreement
of the static pressures at the wells of the engine. The total pressure distribution
in the fan exit plane however is apparently strong influenced by the inlet. Additional
corrections obtained in the wind tunnel test with an isolated model engine are
necessary to calculate the thrust of the TPS when mounted on the half-model. These test
are now in preparation (fig.18) and will give us more information. Beside this
meesuremmnts with another nacelle geometry are planned and theoretical calculations of
the nacelle inlet flow will be done for comparison.

5. Refeznces

1 Binder, B. The New Calibration Tank for Engine Simulators
Molzer, E. at DFVLA Gdttingen.
Wulf. R. AGARD-CP-348, 1983, pp. 28

2 Baumert, W. The Low-speed Wind Tunnels of DFVLR,
Calibration, Measuring Technique.
DFVLR Report lB 157-74 A 11, 1974

3 BurgaemOller, W. Grundlagen zur Triebwsrkesimulation ,,ittele TPS
is Windkenal.
B9FT ZKP-LFK 7911 Ergabniabericht Mr. 5
VFW Bremen, 1980

4 Becher, R. Nacelle-Airframe Integrstion: Model Testing
Gillette, W.B for Nacelle Simulation end Measurement Accuracy
Tegoler, D.C. AGARD-CP-174, 1975, pp. 26

I,<4 __

. , i - yi -. a *-•Il m liem



25-4

-sums flw bao

1. Calibration tank

- few flw- -few fldw
thruest 

forgme Oad thrust
Prssr disribtio 

- pressure distribution
I F $ ~ f l w 1 P 5 l e a n o f l e w

lopw ale niec n

2. isolated simulator in Windtunnel 3. Simulator with model in windtunnel

Fig.l: Steps in Simulator Testing

fron Phe :2 t nkpat sreenAtsree A- seoe cton -f

rings: LowmO-om Speed Widal"el(N low~atj
NO 

_ _ _ _ _ _ _ _ _ _ I i

lh* I

C-AW * hr O whtw snk Rssle



25-5

cfisJ V.

s"ig SMu WIN AIR SNKY

CMESSE Ala

ICalibration Tank Low Speed Wind Tunnel

Fig.4: TPS-Installation

65..1
Fig.5 TPSInstumenatio



254 
'

.8

.6 1Z

.4

.2

.0 -

50 100 150 200 250 300 350 400 450 500
x

1.0

.8 L

.2-- -

50 100 150 200 250 300 350 400 450 500
x

F19.6: Loa Mechnumber atDifferent Anua PoiinNED 1 *01

(, .



25-7

'i 0
NRE.OOI .0 2=.17

1.4 - --. -.- 1.4-
k' ETG

1.1.

0 100 20 3000 0 2 300

PHI PHIJ151 l P5/P
.4. 1.4i- <._.€

1.4 NWG

1.2 .. .2

1.0' - - L 1.0 ,
0 1 00 200 300 0 10O0 200 300

PHI PHI
Fig.7: Totel end Static Pressure Behind Fan in Calibration Tank (Top) and Low Speed

Wind Tunnel (Bottom)

R (.m
a 455. '1
V 517.
+573. Pito,
X 623.
0670.
0690. Static

a O. NRED=0.6 a=4.

"1 PO LLII771.3-J1 .2 -- - _1 . . "- -,.

0 100 200 300 0 100 200 300
PHI PHI

piSpoaxe. as - _ , 12.

I .I A I . 1.3-

1.2 F~i 1:2.

. I .01.0

0 100 200 300 0 100 200 300
PHI PHI

Fig.8: Total end Static Pressure Behind Fen, at Different Angles of Incidience



.04

F--PR v .12 ETG
+ .17
X .24

.02

:0 :?NWG
1.2- .17

1i.0
.0 .2 .4 .6 . .

NRED

Fig.9: Fan Pressure Ratio

AT 50. + .12
X .24

45-

40-

35
30

25+

20

15

10

5

1.0 1.1 1.2 1.3 1.4 1.5 1.6
F-PR

Fig.10: Fan Temperature Rise

700

2.0A 50

1.5

.0

* .0 . .4 . .9 1 01. 1. 1.2 1.3 1.4 1.5 1.6

Fig.1: Fa Masfl~wFig.l
2
: Gross Thrust of TPS



25-9

1.0- MaV

CD A .0
__V .12

cvf~f~& ~2~.~LI+ .17
-X .24

FN-PR

A .0 A.0
VW .1 V .12

+~ .117 .1
.x X2 X. .2

1.0 1.1 1. 1. 1 . 1.5_.

.6~ .-z 0~
41 X4.21

. .4 . .81.0 .01 1.2 1.3 1.4 1.5 1:0

Fig. officien of F n urbine



25-10

700

400.

300 --

200 + E x i t M ~ m

100

20

0*:

Fig.1: Calculated aTdrMesurdtTrt of TPS

700- 
I~~ cuNRFe

.1M Net Thrust
600. i A .0u n

-4- 4- - V.06

+0.1

.2 .17 6 8 .

Fig.1?.Dfereo Calculated and Measured Thr atP



25-11
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MESUSE DES EFFORTS INSANrANES SUR UNE MAQUETIE SOUMISE
A DES VARLA770NSRAPI]DES DE COMEME

par

J.RDrevct
ONERA

Centre d~saiscde Modailie-Avneux
BYP. No.25,73500 Modane, France

et

Aeropatiale, Annexe de Gatinca
91370 Verreres le Buason, France

Un nouveau type Vessel Industrial eat r~alisg depuis plualours anvilles 41 ia
Direction des Grande Moyens d'Essais de 1lONERA. 11 s'agit de mesurer lea efforts
is stantanlsa qui s'exercent sur une maquette en soufflerie lorequ'elle eat sousise I des
variations rapids de commands. La m~thode consiste I retrancher les efforts d'inertie
des efforts globaux seaurfa par une balance I Jauges extensattriques.

Une eaquette de IAEROSPATIALE a Stil essayfie dana ces conditions en ddcembre
1984 dana la veins supersonique de S2I4A. Ce document prlsente I& phase prfiparatoire de cet
essal et montre lea allures des efforts obtenus pendant un tir sacs vent.

ABSTRACT

For many years, the targes Facilities Department of ONERA has carried out a new type of industrial test concerning the

instantaneous force measurement on a model in a wind-tunnel when it is controlled by quick variations of the parameters. With this method

the inertial forces art substracted from gross-forces measured by a five component strain-gage balance.

An Aerospatiale model has been tested under the conditions in december 1984 in the supersonic test-secticon of the S2MA

wind-tunnel. The preliminary part of the test and the trends of force components obtained during a control by nozzle jets without wind are

presented in this paper.

1 - INTRODUCTION

Ce document dficrit la phaee priparatoire d'un easai dont to but eat de mesurer en
soufflerie lee efforts instentanie qui s'exercent our une aquette souaise aux variations
rapid.. do commando d'uo systime de pilotage par jets latfiraux.

D'une ani~rs S&n~rale, lsasmsure des efforta en soufflerie fait toujours
lintorvenir o support filestique our lequel eat finds Is maquetto. Ce support eat conatitus
per une ligne do dards teain~s par une balance.

Les efforts alteade *:rere#@ cur Is aquette entralnent des oscillations de Ia
ligne do dards. La balance supports &lore, non aeulement lee efforts afrodynamiques et los
efforta do pilotage sppliqu~s A Ia maqotte, soe aussi lee efforts d'inertie qui
rdaulteot des souvemente do cello-cl.

Pour accider &us efforts lnecantande qut a'obercent our In eaquetto, ii faut door
retrancher lee efforts d'inertie des efforts globaux aenrm par la balance. Les efforts
dinertie $ont caicullts 9 partir do I*asmsure des accllgrationm et de Ia connaiseanco du
tenseur d'inartie de Ia maquette.

Pendant I& phase priparatoire Van tel easel. i1 taut firidemmeut d~fioir loa
conditions de lexpilieace, I'loetrumentation, I& chatne de assure at lee codes de
calcul nlceacaires I lexploitation saie 11 taut surtout v~rifier que a Isefthode
propos~e permettra d'atteimire lee obJectifs fixis. Pour cel&, des travaux prgliminaires
soot effeetuis ;Ila pereettent d'uns part, d. difinir Is p1880 do friquence dans
lsqualle lee assures @out satisfaisantes et d'autre part, de saessurer que I. montage
pent eupporter lea efforts piriodiques auxquels ii sera sounie.



26-2

Le domains de validitt d'une tell* expfirience dipend directeaent de la
oaquatte. Ce document prisente Ia priparation d'une squette de 1ASROSPATIALE qui
sera ensuito oesayie dons le veins supersonique de Ia soufflerie S214A avec son systase
de pilotage en touctionnement dymamique. Ce systin. utilise un Sginrateur A poudre.

La phase priparatoire as termites par n tir cons vent dimontrant la faisabi-
lit& do Vessei.

2 - CONDITIONS DESSAIS

2.1 - But des essais

Le but do cec essais eat de mecurer en soufflerie lea efforts Instantenfis qui

: e;ercent cur I& maquette pendant I. fonctionnesent du gin~rateur de force !one des
codtio qul se rapprochent I. plus possible de cell.. d'un tir riel.

La prAcision souhaitge pour lo mesure de Is force dfiveloppfie par le gfinirsteur

ect de l'ordre de 10 %.

2.2 - ?4oyeas decssils

L'eseai a lieu dens la veine supersonique de la soufflerie S2MA A une pression

gAratrice de 1,7 bar (voir figure 1).

Fig. I - Montage de In moquette dons S2MA.

Lee paramatres de Ileassi cant

- l'incidence variable de o* a 1*,
- langle de roulic variable de 0* A 45*,
- les ordres do gfinfrateur de force correspondent I une manoeuvre en tangage et

(ou) en lacet, on A une absence de manoeuvre.

Les deux premiers paramitres. rigli~s avant lesai, sont maintenus constants
pendant la dunfe du tin.

2.3 - Description succinct. de Is nanuette (voir fig.2)

La esquette repriseote extfirieurement Ie missile A l'hichelle 1. La portion
cylindrique du fuselage en ant des voilures eat raccourcie, pour fiviter tout risque de
perturbation de l'gcoulement cur la partie arriare par londe de choc d'ogive rifldchie
par las parois.

Fig. 2 -Vue de ia maquette dos la peine auperconique de S2A



26-3I Elle comprand ttoi. parties

I&1 pattio arri~re our laquelle ms fixant Is vollure at lee gouvernes catte pattic
supports ausi 1& fixation do I& maquette our l& ligne do darda.

- 1* parti centrals qul coustitue Vensemble g~n~rateur,

- la parti avant done laquelle so trouve Is dispositif d'alimentatlon de is commande

du commutateut.

Le gin~rateut de force ae compose lut-adme

- d'un gin~rateur hout* pression,

- d'une chambre bases pression oa lea gas soot d6tendus ;cette chambre correspond I
ladaptation du ganfrateur pour lea easais en souffisrie de mani~re & respecter le taux
do ditenta des tuy~tes,

-d'un commutateur ripartsoant lea gas ditendus sotr quatre tuyAres diaposh..
radisiement a 90* lea unes par rapport aux sutes, suivent lee quars configurations
teprisent~es (fig.3)

Fig. 3 - Configurations d Vjection des got.

La commutation d'une configuration A lautre o'effectue en soios de 10 me.

Pendant le fouctionneasot du gfngtsteur, on train de sollicitations reprqsen-
totivea do pilotage eat cosmadi But chacun des deux plans des tuyires on example eat
dono6 figure 4.

3 AT INTUETTO TAN HSURE

3.1 -Instrumentation

La d~finition technologiqos des 6qoipeues o caniques at Alectromficaniques de
is maqoette n'sat pas abordie, seul iaspect ssure est dfiveloppf.

3.1.1 - Balance

Pout cat csai is tratnfie du missile n'est pas demandfie ;one balance cinqt
o:-poant a.t rialisA. sans pont de X afin qos I& raideor du montage moit Is plus
imprtnt. possible. Cette balance eat on barresodairds9 md daut o
icqual soot taill~o des m~plats tecevant lea jsoges de cont~aiute. Elie a uo capaciti
do + 73500 N en effort de dfitive et de porrance ;+ 13500 Us poor lea momenta d. iscet et

d. raongaga at de + 2500 Noans roulis. Avec one alimentation des ponts de jauges do 8y at
on. amplification des aignaux de assure do 1000 lea coefficients de sensibilitf goot de
2,8 N/mV poor iea effortaet d. 0,4 Nm/mV pour lee moments.

3,1.2. Acc~l~rovltres

jL 'exploitation des Assures repose otr lhypothise de vibrations de foibles
amplitudes (de l'ordre de + 0,5*) at douns rigiditA aboolos de Is maqoette. Dens cecam,
six accfiGromitres monodirectionneies uffissot I d~terminer lea six accfil~rations 6ces-f saires aux calcuis ds@ effotts d'inatie.-



La s cclrowmars @out pooitiounlis deus par doux an voisinago do contra do

gravit& do ,a p, rtia paos. La distance metro deux accfllrositras sat do 310 so On tan-
gage at on Iscat at do 150 an an mourns (voir fig.5)

:L

Fig. 5 - Position des acceliromitres.

Le c hoig du type d'accilfromatre oat fait principalement I partir de sea
caractlristiques dimonsionnelies et do so sonsibiitl ce choir a'eat portfi our un
captoor pioxorlsif ayant ono sensibIlitfi do 0,25 mV /(m/s2) ot one bands passonte de
o a 1200 Hg.

3.1.3 - Autros-captoura

Piusteurs grandours soot anss mosurloes pour analyser le fonctionnoaent du gfi-

nlirateur. 11 slagit

- do Is pression de la chambre basse pression.
- des pressions mosurloes on sortie do toyAro.
- des ordros do commando.

Prossion choobro

L'ailuro do loffort dfivoiopp6 par is gfinfrateur dipend diroctemont du niveso
do Ia prossion do la chambro et de son fivolution. On capteur assors cette pression.

Presons toyares

On capteur do pression instationnaire sot sontli A ia sortie do choque roylre.
Cotte meouro eot on contrlle do la bonne exicotion de la commando slo pormet ausot do
vlirifior quo ie jet a so le tempo do s'litsblir.

Ordres do commando

Lee ordres8 do commande do commutatour snt numfirisls. La comparaison do ces
ordrs avec lea signsaux des captoors de preston des tuylres permot do dfiterminer lee
tempo do commutation.

3.2 - Chatnes do mssure at acquisition

One chatns do mosore classique persist do mesurer lee valsoro soysones des
paromatres olcossaires 1 i& conduite do Vessal (rfirences souffleris. valourBs oysones
des offori.. ... ) Loe difflrentes mesoros soot filtrles par on filtre passe-bae call A 1
Hz or numlrisles A raison do doug points par seconds.

One chains do assure dynamique (voir fig.6) eot miss en oeuvres piciaisment
poor cos ossais. Klo persist dacqufirir 25 signaux qui snot iso signaux des pouts do Ia
balance, des a.ccllromltros, des captours do prossion (toplrts, chambre basse-pression)

or des organs* de commands (coorants do commands, miss A foo ... ). Ells s difffroncte
do la pr~cldente par Is frlquence do coopora des filtros passe-bas qut soot calls 1 100
Ha our lea votes do assure uttlislos poor is dlpnuiiiesnr des efforts ot A 1oo0 Rx pour
lea autroa voits (coorants do commands. pressions dons las tuyires ... ) et sossi par Is
frliqueuco dlSchoutilionnage qut eat do 1000 Hz par voie. 11 four noter quo lea signaox
dos occ#26romatres passot par on Stage do prlamplification puts soot filtrls avant
d'Sra smplifi~s pour obtonir ie gain dlsirS, cci attn di6vitor des saturations. On
mageltophono analogiqos est associS A cotte chatns ii permet dounregistror 14 votes do
assure some use bands peasants aliant do 0 A 1000 Hz.
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Fig 6 -Chain. de mleure dynamique.

4 - MISS IN EQUATIONS

4.1 - fypothises

Ile mndle aathduetique raenu pour Is mise en Squations eat fond& our lea
hypoth~sos suivantesI

- I& asquette aet un solids indfiformable,
- lea rep~res balance at maquette nt leurs axes paralliles,
- la eaquette admet ne syantrie de r~volution d'ordre 4.

4.2 -Notations

Le tri~dre de riffirence eat donnl fig.?

VENT --- ALANCE EXTENGOWE II OWJ

SECTION CONTENANT SECTION CONTENANT
LES PO#4TS I LS PONITS 2

Fig.?7- Tri~dre de riftrence.
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Notations Designationa I Unitia

R on C.I.B I Centre de rdfirence balance

I , R2 Centre dee posts (1) at (2) de La balance

• Distance entre lea pants 1 at 2 I

Il, 2  Manse eltue A l'amont do Ia section 1,2 kg

Cd1,2 Centre do fravtd do In nease K1 ,2

XGI12 Absciese du centre de gravit& dons le trildre a

(1l,2 x, , )

TGI, 2  Tenseur di/nertie exprimg en Cdgl, 2  .2kg

120 30 0
TGI= 0 TG2 0 2 1

0 0 O 0 B2]

--7r.1, 2  Accil6ration absolue du centre de gravit& CdG 1 ,2  n/e
2

(projection dane un ropare ILA I la balance : G10,2 ZGI 2 )

11(p, q, r) I Vecteur de rotation instentande de la aaquette rad/c

(projections done le repire maquette)

I Gi I 41461 Dlcignation dee accdtlromitres

YE Composantes du tormeur s'exergant cur le dard (sans indice N
ZE N

L an centre balance R, avec indice ann sectiona correspon- No
IKD ou NEI No
IN on B1I2  dantes 1 on 2) N I

I YA Composantes du torseur stexerant sur It naquette (propul- N
I zaN
I LA I *on + adrodynamique) cane remarque que ci-dessu8 No
INK on A1 2 I
MNA oU NAI,2 II

TITA (9) 1 Variation d'attitude de l maquette dane 1. plan vertical red

i 2, 3 I Coordonades 8S*nralic4.s red

(, 2. 3 1 Pulsation propre dee 3 premiers nodes rad/s

SCI, 2, 3 Anortiseement rdduit des 3 premiere mode@ /.o

IALI, 2, 3 1 Masse Snlraliole des 3 premiers codes 
2
kg

I 1, 2, 3 Distance centre de rdfdrence balance R - centre de
de rotation du mode

At I piriode d'Schantillonnage

ZEX Effort d'excitation appliqu6 I le naquette pendant N
I YZVI lee esais de vibrations N

LEE Monent d'excitation appliqu& I la naquette pendant lea No
I Nin escais de vibrations *a

I NIX I N
I Me

SMI, 2 1 Signal du pont de tangage de la section 1,2 I V

SGL Signal de l'accllironltre i

tn temps de contfe des signaun trapdaoldauz me

Y I I

.... _ __ ___.._ _

r 1
f.: ______________ - ____
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Um Point plaed sn doacus do Is variable Indlqu* Is dlivga premigre do cette
variable par rapport a. temps. urn double point indique I& dirivde seconde.

4.3 - Seuations

Les Squations coat des 4quations de moment obtanues en exprimant Is thlorims du
moment cieftique an droit doe *actions 1 et 2 oP sont colileac ponts de Jauges de I&
balance.

4 Conoidlrons Is section 1 par example.

d J~I * 'momet do' - RIGI AN 1  G

dt a~Tt~ J fre extirieures

Le terse 31 C AN 1  provient du fait quo Is centre de gravit& de I&
partie pese l'eat pas confondu avec RI.

Les moments des fores@ extirienres *oat

I&*a moents dos aux forces de propulsion at aui forces alrodynamiques MAI,
MAI c* *ant lee moments cherchls.

-lea moments reprisentant laction du dard our I* maquette - MB1 at -N91 cec
moments sonat mesurls grice aux pouts de jaugss call&* en 1. Cen moments &out calculfi. I
parti r d'une matrice dlduite Van Italonnage statique.

Romargue

La dipouillement de 1& partie fluctuante du signal do chaque pont de I& balance
set feit par rapport I I& velour moyonne du signal de ce pont macur~a justs avant le
tir. La pesanteur ninutorvient pas done lea quations.

Lea 6quations *ont lee suivante

- u_droit-do le section_1

MAI - Blj+ r.p.(A - 61) + XGI.Ml. ZGI + MB1

MAI - I1.i + p-q.(Bl A) - XG1.Ml. ic + NBI

-au-droit-do la caction 2-

MA2 - D2.q + r.p.(A - 82) + XG2.N2- 4c2 + MB2

NA2 - B2.r + p'q.(3 2 -A) - kC2-M2. 7G2 + NB2

LA - Apj + LB

Les efforts at moments (alirodynamique + propulsion) qui s'appliquent our Ia
maquette au centre de rlflreacs balance coat alors

TA -NA2 -NMAI ZA- NA - MAi

MA - MAi + NA7 NA -NA1 + NA2
2 2

Co torseur sera comparf au torseur correspondent & laction de I* maquette aur
Is dard 11 a* calcule d'une manibre sesbiable A partir des momenta sesurfic par la

F balance

YD - NB2 - I
AX

Ls termas toes qus r.p (A - 31) et p-q (Nj-A) sont nlgligeablec dans

l'bypotblae des petits mouvements ; cette hypothlse act vfirifife a postsriori.

4.4 - Nesurs ds acclIratione

Las acclroultres cant montgc eur une puce trin rigid. appelle pilce interml-
diairs fix&qglle-ame cur Ia balance (voir fig.3). Soit N Is point oa sat placf l'acc6-
romatre "I (&, bl, cl)
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asprimona lacctl6retion au point K

-N YGI + al.(p.q + r) - bl.(r
2 
+ q

2
) + cl , (qr - p )

ZGI + ai.(p~q - q) + bl.(qr + p ) - c1 . (p
2 

+ q
2
)

Lbhypothtae des petits Souvements nous peruat de n68liger lea terues p
2
, q

2
,

,2, pq ... devont lea ters p, q at r.

Prenons l'exaple do la assure aG, et q. Deux accil6rositras n'l at 2 sont

filas our la place Intaruadiaire avec leur axe sensible orient& salon z. Solent .l
at .2, lea acclfirations neesr6e par lea accil6ronatrea I at 2

r1-i -al.q z2 - ZI- a2*q

Lea accilfrations angulaires at linaires sont calcules a partir de ces deux
relations

&2  al ,

ZG1 2 2

4.5 - Calcul de 1attitude instantante de la maguette

Le torseur YA, ZA, LA, MA, NA correspond A la partie fluctuante des efforts qui
sexercent our la uequette.

r 1 Smdf &us souvesent a]

NA~& - ffet net do propulseurj + rd Ismq~t

La partile Effet net du propulseur ] correspond aus efforts de propulsion et
aux efforts afrodynaaiques induits par la prsence des jets.

La partie ( Aelro... correspond aux efforts afrodynauiques induits par lea
mouveents do Is uaquette pendant le tir. Lea efforts aerodyneaiques qui en dicoulent
doivent Atre retranchfs du torseur YA, ... NA] de sani4re a obtenir leffet net du
propulseur. Four cela, 11 fat dfterniner lea variations d'attitude de is uaquette ( 9)
dane le plan vertical, (le) dane le plan horizontal. Cos variations soot calculles a
partir d'une reprisentation modale de Is ligne de dards avec la uaquetta at du torseur
a6rodynamique I YA, ..MAI. Le nouvement de la structure rfelle eat dicrit dana I plan
vertical at dons le plan horizontal par la superposition des trois premiers modes
propres.

Dana I* plan vertical, il vient

+ 2.04.01-61 + 01. e - (MA - ZA.dl)/,,AI

62 + 20.( 2.'6 2  + L2. ' 2 - (MA - ZA.d2)/ 2

3+ 2.1 &)-6 + W'93 - (MA - ZA.d3),AL3

L'algorithae d'int~gration de ces Squations eat le suivant

91 (n+l) I [(MA(n) - ZA(n) .d1 )/pl -uI" (o1 + o(1M.I (1

A at

+ 0 'W. (n-I) - ( 9
1 (n-l) - 2. 9

1 (n))/ t
2 ]

At

La variation d'attitude done le plan vertical eat alors

1I+ 92 + P3

Le calcul de la variation instantane d'attitude dana Is plan horizontal eat
analogue.

ti
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5 - PRESENTATION DNS TRAVAUX PIELIEINAIRES

Four Coe travaux 1n dispositif dese est accrochfi A un plot fix& lui-SOM Bur

un caofd: biton. 11 coaprend 1. maquotto Inert* ot I& ligne do dards qui sore offocti-
vacant odle au court dos cosmic dens Ia souffleris at 1. chatne do meture Imtetion-
nair.

Cos travaux cnt un triple but, its doivont percattre

- d'identifter dynaniquecent Ie montage,

OA - do valider la. adthodo de dfipouillement et d~finir IU fonction do trensfert du
disposItif do scure,

- do v~rifIer to tenue du montage on excitant colui-ci avoc une force sinusoldale
dont l'asplitude ot le frfiquence moat voleinee do cellee pr~vuoe avoc Io SGinratour.

5.1 - Identification dynaciqu* du montae

L'idontlfication dynanique du montage a pour but do scurer lea friquences, Lee
forces, loa assoss gln~raliedoo ot lee anortisesents des prowlers modes dene lea plane
vertical ot horizontal. Sn roulie. soule lea friquancos sont rolevdee.

La connaissance do coon grandours Forest do conetrulro Ie codle mathdcatIque
dhcrivant 1. couvesont inetantanA do is caquette at do prficteer lee bandee do friquence
a Sviter pour I. fonctionnecent du g~n~rateur do force ^f10 do no pas excitor un code pro-
pro du montage. It no feut cependant pas oubler, pour cette exp~rionce, quo I. sueport do
la ligne do darde n'eot pee 1. soctour porto-dards do io moufflorlo at qu'une Identifica-
tion succinct* out n~coesiare au moment do lenstrie on voice.

Loexcitetion do la 11300 do derde met felts & Vi ode d'un pot aloctrodynacique
&quip& d'une bobine pouvant d~volopper n effort maximal do 200 N.

Use prelire excitation est effectuge en bruit blastc dens use bsnde do
frdquence 0 - 200 He do canigre 41 releor lee fr~quences propree. Cee friquences sont
ensuite sesur~eo avec prficision en ozcitsnt Is montage per une force finusoldale et on
rocherchant is r~sonance do phae entrs le courant doexcitation ot la rfiponse dun aced-
larocitre mont& our Ia maquette. Troia friquences propros eont obtenueo dens is bands do
frhiquence 0 - 100 Hz tant dens Is plan vertical que des 10 plan horizontal.

Les fors propres de chaque mod, moat relay&** ovec un capteur do vites..
cc qui porcot ont. autres do d~terciner is. centre do rotation do 1o caquotto dens
cheque cods.

La mature do l'scortissent Let obtonue par I& cathode des oscillations
libres. Apr~ls un licher, Ie dacracoent logarithnique do la raponse d'un accfalaromatre do
loaacquotte set sesurE our lee procigres oscillations.

Los masses ganairalisfes soot datercins en utilisant I& athode des frfiquencee
dapisacs. Riles soot norcies pour n dfiplacocent angulaire de 1 radian Lu niveau do is
maquot to.

Le tableau ci-deseoue prfisento lee risultats obtenus dane Ie plan longitu-
dinal

I H Ifrfiquencos IMasses IqinE. Iauortist ICentre do rot. I
f I (Hz) (i .4(kg) I 0( Z. I d (a)

I 1 1
I 1 1 7,42 I 1128 I 2,1 I 1,563

2 25,14 I 91,3 2,5 I 0,330

3 61,91 I 23,5 2, I 0,552 I

Pour l'excitation en roulis, doux pots Eloctrodynaciques soot pilotas en oppo-
sition do phase.
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5.2 - Validation do Is nithode de dfipouillsnt

La validation do I& ffiithode d'essai comports plusicurs phases. Il s'agit tout
d'abord dsexciter Is maquette avoc une force sinusoldale connue at de retrouvot cotta
fores per I* diepositif do sscure Als on oeuvre. Cos assurs sont effectufiss & difffiren-
coo friquences do maure a construire la fonction de transfert du dispositif. Ensoite
Is montage eat cxcitfi par une force alternative ayant une forms plus proche des efforts
divsloppis par Is gfinirateur.

Pendant ces essais is aithode de colcul do l'attitude inatentangs de i& maquet-
te eat contrilde grit. aux accf~lironAtrs qui l'Squipent.

5.2.1 - Excitation sinusoldaIe

Laxzcitation en mode sinusoldal so fait en tangage. en iscet, en roulis et
ensulte on combinant I&* excitation@ de tangageaet de lacet.

Le montage eat excitA par un pot 6loctrodynamique A champ permanent qui permet
do wsurer Is force appliquic dans une hande do friquence aliant do 0 a 200 Hz. Avant
l'essai. an torage do cette force eat effectug en mode statique en envoyant un courant
permanent dena s I& ohna.

Une premiilre sfire d'essais dana une bande do frniquence allant jusqual 200 Hz
montre qu'au dell de 130 Hz lea rfisultats obtenus soot nettement en dehors do Ia prfici-
sion domandie. Les filtrca analogiques passe-has do Ia chatn. de mesure sont clots raids
a 100 Uz ot tous leo assais soot effectuis dana Is hands do frfiquence 0 - 100 Hz.

Pour le premier point do secure effectut A une friquence do 5 Hz tous lea
signaux (balance, accSIiromatres, excitateur) soot en phase et lea corrections d'inertie
pereettent de rotrouver Is force dlexcitstion d'une aani&re satisfaisante. Le second
point sat acquis a1 one frfiquence do 7 Hz voisine do is premibre frfiquence propre. Les
figures 8 at 9 sontrent lea risultats en effort et en moment.

mem lid M -

Fig. 8 -Excitation sinissoidaie en tangage friqience d exctton S 7Hz.

4.01 SA M M l

Fig. 9 -Excitation sinusoidote en tangage, friquence d 'excitation: 7 Hz

La prfisentation do tea deux figures et des figuresj suivantes relatives A l'ex-
citation forcie reate idontique I savoir

- 1'excitation (ZEX, HEX) eat en trait fin,
- Ia riponse balance (ZB, ME) eat en trait poiutillfi,
- l'offort ou Ie moment risultant do l'exploitation (ZA, NA) eot en trait fort.

Lesxpirience eat satisfaisante loroque is force d'excitation et leoffort rfisul-

tent (coubinaison do l'effort balance at des efforts d'inertie) s superposent.

lvn ns ux figures 8 at 9. A proximitG d'un mode, 1. niveau d'excitation at,...i., Iriduit domnr Z limiter lasuplitude des mouvoments do 1s maqutte. Leamplitude do

loaffort d'excitation (ZX) eat &gale a 25 K alors que l'effort balance (ZR) a one am-
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plitude do 350 9 ce qui repr~sents n coefficient de surtension ZI/ZIX *Sol 1 14. D2.
plus I& r~ponse do I& balance set pratiqueuont daphoma. de 90* par rapport I
l'ozcltation ce qul Indique la proxiultfi do mode propre. Le correction de 1'effort
balance par leaeofforts dlinortio poraet 4e retrouver leaffort dlexcitation.

Au voistuage do promier mode propre, Is mSthode propoosie donne d'excellenta
r6sultats.

Apr&& I& preaiare fr~quenc* propre. Is riponce do Is balance set on opposition
do phase avec l'excitation, I* niweau do la riponce balance 6tant inftriour au niveau
d'excitation. Los figures 10 at 11 Illustreat cotte plege de fr~quence Is *ihode pro-
poate permet toujouro do retrouver Veffort d'excitation suec une bonne pricision.

Fig. 10 -Excitation Binusaofdale en tangage, fr~quence d excitation :15 Hz.

sNw
(W) 4U--

Fig. 11 - Exciation sinusoidale en tangage, frtfquence 8 ~xctation : 15Hz.

Au passage du deuxilme node vers 25 H:, lea &carts observ~s entre is force
d'excitation et Is force calcuie moot plus Luportants (voir fig. 12 et 13). L'effort
rfisultsnt n's plus une forme de sinusoid. &lore que l'effort isposef et l'effort balance
soot toujours sinusoldaux. Ce phinomine est coins occentug pour 1cm moments (fig.13);
Is correction dinertie perset do retrouver le niveau du moment d'excitstion msis il
apparstt un daphasage d'environ 30* entre le moment d'excitotion et le moment rfieul-
tant.

Fig. 12 - Excitation sinusoldale en tangoge, friquence d kxcztaton : 25 Hz
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Val,

Fig. 13 - Excitation sinusoidate en tangage, friquence d ~ecitation: 25 Hz

Dis que Is friquence d'ezcitatioo eat aupdieure 3 Ia friquence du deuxlime
mode, l':ffor t d'excitation at leffort calculi Boot I nouveau en phase ;il taut cepen-
dan t noter pour certaines friquences une perte de niveau pour l'effort calculfi de 10 2
par rapport A Veffort imposf. A 45 Hz, lea risultate soot satisfaisants (voir fig.14 et
15). La figure 15 mootre que la riponse en moment de I& balance eat pratiquement nulle.

-e

USLI it TI 3

Fig. 14 -Excitation sinusofdale en tangage, fr~quence d 'excitation :45 Hz

111) O l F

Fig. 15 -Excitation sinusoidale en tangage. fr~quence d'excitatio-' :45 Hz

D'une manuare gfingrale, ce constat eat valable pour I& plage de frfiquence
au-dell de 45 Hz. La riponse de la balance eat quasi nulle, l'effort rfisultant provilient
easentiellement des mesures accglfiromfittiques.

Lea ficarts observis au voisinage du troisime mode (60 Hz) soot accentuis par
rapport I ceux obeervis au passage du second mode. Au deli de 60 Hz, l'icart de phase
entre Ileffort d'excitation et l'effort calculfi est de l'ordre de 10* et la perte de
niveau de l'effort calculft de l'ordre de 30 %. Les figures 16 et 17 prfisenttnt lea rfisul-
tata obtenus 1 90 Hz.

Tous ces points de mesure permettent d'itl i fonction de transfert de ce
syatame en comaparant lea efforts at moments risultants aux efforts et moments imposfis.
Le fonction de tranafert des moments eat prfisentie figure 18. Cette aithode de meaure
permat dan@ le cadre de cat asait d'effectuer des mesures dynamiques avec la pricision
demandfie (+ 10 %) jusqu'R une friquence de 60 Hi. Pour lea friquences supfirleures
Jusqu'& 100 Hi, Is mithode de mesure sous estime lea efforts et moments d'excitation.

NkI
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Fig. 16 - Excitation sinusoske en tangage, frquence d zcitation : 90 Hz

am=4 ---

F AAA 17 [9A0HXzI

Fig. 17 -Excitation sinusoldal en "ag, frduence in: 9Hz

(INK) IEHI
* Exctatin onbeet Fig. 18 - Fonction de transferi en tango ge.

11 y a une gyaltrie parfelto eatro 1. plan de tangage at 1. plan do lacot taut
do point doa o vucd *g Inrias do 1s maquotte quo des voles do **our. albos-simo.. Lee
nisultatg soat copanables I caos obtenos an tagago Ise fonctions do trasfert soot

Neltatioa on roolig

La premlao frdquenco propro on roolig oat A 90 Sa. Poor let bases& friqooncos,
les corrections d'Iuntio goot foibles voice null** ;i 10 Rs 1. moment d'sucitation, Is
moment vu a &blnea tmmn acl otpaiusn ofou oi ~.9

Fag. 19 -Excitation ganusoldak en roulia,
friqueace d kwcantioa 10 Hz.

~H__
*N OA'

ii0..
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Los risultats obtamus sout atisfaisants jusqu eo 60 Es (voir fig.20). A
70 on lee rdsultats seut srrongs, 1. rapport entre Is moment rigultant et Is moment lap*-
a& (LA/Lu9) eot &Sal A 3. One mesur.. ecclromatriques faites on divers points do I&
maquotte. notemment our lee Souvore indiquest quo cells-cl nlest plus indiformable ;It
modal. utilled set ole on difaut. Four lee friquences plus fleve, lee rdsultats redo-
viennent corrects, come 1. montre la fiour* 21 pour use. excitation do 90 Ha. La fonction
do transfort pour 1s moment do roulis Oct prlcentle fiour& 22.

Fig. 20 - Excitation sinuadole en roulis, friquence d excitation :60 Hz.

-. L LZi

Fig. 21 - Excitation sinusordakeen roudis, fr~quence d~excitation: 90mr.

II L
porturo p~s lee rd u/led 'utspc ievre

e pour une excitation Fdig.,22U -en latdrsde trapor 20 pouis.0U esi pa etcl

Leg ultet s p ga iaaiant. es ot-adr qou'lis nt ectut Isl maeles a ux

set orsque lexitatn a leu ang urn osou e plan. e ez4a oeo lnnpetrspsIsrolasdeVnr lna ievra
Dame ~ ~ ~ ~ ~ ~ ~ __ I*_la_______I&______eat______Adur_____nes ,5at20St

La frqe . do75R ttcoel a ll orson npeme oe rp*a
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Fig. 23 - Excitation sinuvofdaE sirnsltanie; en tangage, friquence
d bzcitation :20 Hz, of en lacet, friquence d'excitaf ion :75 Hz.

Fig. 24 -Excitation sinusof dale simultanie; en tangage, friquence
d 'ectation: 40 Hz, ef en facet, triquence d kwxitation: 7,5 Hz.

5.2.2 -ContrOl. do calcul do I'attitude~d 8 . maquette

Pour contr~ler l'attitude de I* woquette, il faot one rifirence. Pendant let
assets an sods 11inuo Tdoal, lts accilfrations angulaires mesurces persettent d'obtenir
cetto rifireuce.

La figure 25 regroup. laccilirotion angulaire meson.e at Ia variation d'attitude
:. y do Is maqutte calculfi. per Vintigration des modes propr:s pour une excitation calfe 1 7

d: .2 Lam&pltud. de l'acciliration angulairo set de 0,5 rad/
2 

c u on n mltd

do26 1 0- rind pour la variation d'attitude. L'amplitude de Is variation d'attitude
calculio par l'intigration de modes proproc oct do 2,5 10-4 rind. La figure 25 montre
quo Io mouvement eat Mien on opposition de phase avec lacciliration.

ma'~ A

Cart m~hod decalcl d Vatitde diped dldeestdes donnioc ttlloc quo

leaone a g~~ra~s~s, et r~qencs poprs, aleausi d Isqusliti avec laquolle

10efforts appliquis coot calculi.. Pour lea basses friqencoc, Its contriles sont

Loseffrtsd~vlop~s er * ga~rteu on de frnt@do montie ceorrespoadnt

Yee entoffctues votuneforc ozttaric aymt s frumsuivmnts (voir fig.26)

-, a - -P
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Fig. 26 - Excitation traphzoldale.

Lees assets soot rdaled en fleant varier I* temps do mantis to (to 10 at
at 5 as) at I fr~quence dx t Ion Le igures 27 A 30 prisentent lee moments au
centre balance pour 5, 7, 15 at 30 Sc.*Selon lee friquences. Is formse splitude et I&

phc emoment balance diffir* notablemest du moment d'escitation. Lee corrections
dhlnertle& peruettent de retrouver cc moment d'ezcittto d'une manigre satlefeisante.

Fig. 27.-Excitation frapizoldale en tangage,
friquence d'excitation 5 Hz.

Fig 28 -Excitaion trapzoidale en tangage,
friquence d excitation.: 7 Hz.

Fig 30 -49 Excitation truppzoidale en tagae

ffrdqieenc d 'exciation 15Hzz
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Taus co. contr~les d6soutront is faieabilit6 do Ileaai do point do was do Ia
moure 11 t este encore A vfrifier quo Is ILns do dsrds pout supporter lee efforts
enviseagsass doumago.

* 5.3 - Excitation &voc amplitude d. force voisim de cells do almirateur

Une excitation met rialiole meec un pot filectrodynamique capable de fournir un
*effort voisin 6 celut d6velopp6 par Is gln6rateur. Cette exp~rlenco sontre quo Is mon-

tag pout uppor ter lea oollicitations ispooeos pat Is hinfrataur et eussi quo I& quali-
tG do: souree no dhpend pas du niveau d'excitation (voir fig. 31 at 32).

-~ A.

5~T (.8

Fig. 31 - Excitation trapdzofdale en tangage, friquence d 'excitation 35 Hz.

5.4 -Conclusions relatives I la phase priparatoire

Los conclusione do cetto phase prhparatoire soot lee suivantes

-La ligne do darde choisie dolt supporter sans incident l'excitstlon du
Sglntrateur do force u ne recomoandetion est faite mu constructeur quant a la fr6quence
do pilotage du ggnhrateur do sanibro A 6viter le second mode propre du montage.

11i eat possible d'obtenir done lee plans do tangage et do lacet Ia partie
fluctuante des efforts airodynamiques #vec une prhcision de V'ordre do 10 Z done une
bonds do friquence allant do 0 1 55 He et avec une priciaion riduite entre 55 et 100 Rz.

-le roulio eat obtenu avec une pr6cision do l'ordre do 5 % jusqu'I une
I- friquence do 60 H:.

Sous riservo des conditions finonches ci-dessus 1'enseble des travaux pr~limi-
nairee dhmontrent Ia faisabilltA do l'esssi envisagg. LhAtape euivante consists main-
tenant a effectuer un tir sane vent.

6 - TIE SAYS VENT

Le ligne do dards Oct fixhe eur le socteur porte-dards de S2MA. Un easel do
vibration succinct peroot do rolover lea friquences propree du montage et do vhrifier
touts I& chaln. dynasique ewent Ie tir ;taus coo contrle momt effectuhe our one
maquatte inerto. Per rapport ox esseis priliminaires pendant leequels la maquetto Gtait
eccrochle A un our, 11 apperatt no gliseement do friquence do 25 A 21 5: pour le
deuziAme mode ot do 62 A 56 Ha pour Ie troisilmo mode.

Le Shnlreteur A poudre eat alore montf done Is maquotte et Is premier tir pout
Otre rfialisfi avec los ordrea do manoeuvre choiais at une frgquence corroctemont placd.
par rapport max deux mode* prhcGdente.

Les figures 33 at 34 prfsentent l'hvolution des ordres do commonde du
comutateur at les prossions meouries an sortie des tuyAres does 1e plan vertical at
done Is plan hnrizontal. Coo assures indiquent quo Ie SGnhrateur a buen fonctionni
cost-a-dire quo lee ordres do comoade sent offectivemont rhalishe. gn utilimsnt one

q Scello dilsthe pour Ie temps, i1 eat poesible do maer I. tempo d'htabliseemant des
jet* done lee taybres. La figure 34 montr* asset qu'u1 y a en n alsaaprAs quatro
comutatione done lo plan horizontal.

.i1"
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Fig. 33 - Tir sans vent, pressions tuyd ro, plan vertical.

F4g.34 - Tir sans vent,pressions tuydres. plan horizontal.

L'anaiyse suivaute consists I observer lee sIgnaux do@ capteure entrant done le
d~pouiliesent du torseur appliqu& A la maquette. Cette analyse not en Evidence que lee
poote deal& balance et lee accllromitres soot surtout sollicitt~ I ia friquence du
presier mode propre com I* montreot lea figures 35 et 36. Sur le pont M2 do la
balance, 11 apparatt no saturation du signal pendant quelquee millieecondee qut
n' emp~che pae d'exploiter Ie tir.

aKIML DO LAOMOKPAR No I

V NV W N ~

MALMPOMIFig. 3 - Tir san vent. iLJPEI

N-A - \

Fig. ~ ~ ~ ~ Fi 36 T- sans vasvn.e KAUNT .

A.,

SWON=

AA A t AhFg.3 -rr as et

"70
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A partir do coo signuo IS programme do d~pouillement calcule lea efforts at
lag nounats diveloppgs par Is g~s~rateur. Lee r~sultats eout pr~sout~s figures 37 A
40. Sur and figures, lee efforts at lee momutss mesan& par I& balauce soul tracas do
insular. A mettee on &videuce let correctious d"iunrio qui joueut un r81. pr~poudliraut
acn soulamout our lee amplitudes saie aussi our 1& forms du torsour rioultaut.

Fig. 8- Tir sans vent.

Fig. 39 - Tir sans vent.

- MIN-

Fig. 40 - TO, sans vent.

Uu premier *Xeoen qualitatif do ceo rasultsts appall. lea remarques suivnse:

lsllure ggnale due efforts ot des moments restituis par 1.exploitatlou

corrospond bien Sux cycles do commands do ginarateur.
I&l perte de poosag pendant quelques millimecondes our l'effort vertical

(votr fig. 37) not un artefact de esure ;li. et due A iesatouration du siguel du
Pout M2 do Is balance.

- does Is plan horizontli, I'algs pendant Is comma-ide, eint obsorvf our lea
efforts at lea moments (voir fig. 39 at 40).

-apras 1e tir, Io systime rapond eur Is premier mode. Aloeg que la force
d'ozcitaliou sot null*, lea efforts baiance done Ie plan vertical soul encore fiew~s
(voir fig.37). Los corrections d'iuorlie permettent do retroover n effort quasi nul.

des fluctuations d'offort epparaiseout A ne fr~quence supairiour. 1 100 Us
biou quo lee signus Solent filtris asogiqusmout a i00 at.

r: ~Cetto derars romaorqns a conuit A *ffectoor au filtrago nunmiriqom our leg
lgeax 0t a d#poullonr I nouveau IS tin. La filer* nomdnque eat cala A 60 Be. Loa

figures 41 ot 42 prfisnutn Ios efforts obteus dane lee pious vertical et horizontal.
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Pendant on rordr 4 do command* naintau Is pausmfi. set etabiliese. Can risuitatsest
r toes pour affoctuor lea conparaisons avee lea tire &wec vent.

-mm

Fig. 41 - Tir sans vent.

MELM
FO.RSP A 00 HE

Fig. 42 - Tir sans vent.

7 - CONCLUSIONS

La ansure des efforts instantanle qui o'exercent our une maquette enumise A des
variations. rapide . do co mande demands une priparation particuligre avant lee assets en
souffierie.

Un esset de ca type a 6t6 richesg cur une asquette de 1'ARROSPATIALE par 1.
Direction des Grande Mayan. diessais de iONWflA au Centre do Modane-Avrieux. 11 a'agie-

anIt d~e eurar leaefforts diveloppis par n gindirateur de force en fonctionnesent
daiu dIa iveno supereonique de S2MA.

Cott* priparation commence par une identification dynsaique du montage de
sanigre I priciser lee plagee do friquence I fiviter pour la comnands du Sfinirateur de
force at & dfifinir an aodiem sathiatique pour I. calcul dee souvements de in aquette.

Elleats poursuit par dos excitations sinusoldales du montage &fin d'itablir in
function do transfert du dispoeitif d ssure. La torseur appliquA A In saquatte eet

&eur avoe une pricision do + 5 2 en roulisaet do + 10 Z an tangage et en lacet done
:upl~ag do friquanco allant do 0 i 60 He. Des excitastion. sinuo*dales coapidnentairee

00ntrent quo I& qualiti do ln restitution du torseur n'eat alt~rS.e, ni par laugmenta-
tion du ni!veau do Veffort appliquE, al par des excitations simultanfian en tangaga at en
bat. Do acitations p~riodlqus soot effoctuosa en appliquant des efforts alternfis de
forme trap~zoidal. plus roprisentatife do leoffort d~veloppi par Is ginirateur. La
coincidence anta I'affort appliquE at Veffort r~oultant et satisfaisante.

La pr~paration so teraine par n tir sane vent. Ce tir mantra qua 1. dispoettif
d'esnai oet opirationnal et quo In aithode da assure permet darccider aux efforts
instentanie qui osexerrent our la maquotte.

S - 1I3IENCES BISLIOGKAPUIQUES
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Monvehlee mithodos d'acquisition dn buffeting
limne coiloque d'Afrodynanique Appliquie LAPA - noweabre 75

(21 1 . GAIGN219T et J. ROOHILBIKI
Proc~dd do nature des forces atrodynanIques as rftime de trasblemont
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BALANCE ACCURACY AND REV.ATABILIY AS A LIMITING PARAMETER IN AIRCRAFT DEVEPHMMENT
FORCE IEASUREMENTS IN CONVENTIONAL AND CRYOGENIC WIND TUNNELS

V" by

Prof. DipL -log. BEwald
Universiy ofiDar'stadt

Petersenstrasse 30
Federal Republic of Gennany

Summory

The success of a commercial transport development is heavily influenced by the accu-
racy of drag measurements during the aerodynamic development in the wind tunnel. It
is shown, that the internal beance s one limiting factor of accuracy.

The accuracy standard of modern internal balances is compared to the accuracy and
repeatability requirement of the aerodynamicist. The comparison with high precision
single component load cells promises a large improvement potential in multi component
balance design and calibration. The following fields of Improvement are discussed in
the paper:

- Balance design

- Balance material selction and treatment

- Calibration methods

- Calibration software

- Thermal effects

Perfect correction of the thermaleffects is the key to the successful use of cryo-
genic tunnels. An approach for the crucial problem of balance body distortion due
to temperature gradients is demonstrated.

1. Introduction

The call for Papers for this AGARD-Neeting suggested. that today the main source
of uncertainties in wind tunnel testing Is related to tunnel flowfield inaccuracies
and simulation insufficiencies.

Nevertheless in force testing for transport performance the internal force balance
is still far from being perfect. Even in conventional tunnels the balance limits
the repeatability: in the future cryogenic tunnels the balance state of the art
is even worse.

The basic principle of any internal force balance Is the measurement of forces by
a metallic spring equipped with strain gages. This basic principle allows an accu-
racy, which is at least one order of magnitude better than the accuracy of present
six component balances. So a substantial improvement may be achieved. Such im-
provements are urgently required, if aerodynamicists like to derive any benefit
from the perfect full scale flow field simulation of cryogenic tunnels. *

7 - ',.. m. mammmm m m n mm mmu m R ....... ,,J,, --- a 1
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2. Balance Accuracy Reulrements

In wind tunnel testing the highest accuracy is required for transport aircraft
cruise performance testing. In most cases the total improvement of an airplane
design compared to its predecessor is achieved by a great number of minor detail
improvements. So the wind tunnel experiment must be able to resolve very small
drag increments from one test condition to the next. This resolution is limited
by the repeatability of the balance.

Generally aerodynamicists agree that the repeatability from one wind tunnel run
to the next run ("short term repeatability") should be much less than one Drag
Count. The term "Drag Count" represents a drag coefficient increment of 0.0001.

The goal of a "long term repeatability" (repeatability from one test campaign to
another test compaign) of one Drag Count is very difficult to achieve even in the
best of conventional tunnels.

A technology improvement, which allows a short term repeatability of about 0.1 or
0.2 Drag Counts, would offer new possibilities in airplane optimisation work. To
get the full benefit from the new technology of the cryogenic tunnel, such improve-
ments in repeatability are urgently needed.

3. Present Accuracy Standard of Internal Balances

The drag of an airplane configuration is evaluated from the balance signals for
Normal Force, Axial Force and Pitching Moment by a component transformation.An addi-
tional error is introduced during this process by unavoidable errors in angle of
attack measurement. So a careful error analysis is necessary to convert the "One
Drag Count Requirement" of the aerodynamicist into an accuracy requirement for the
balance.

This analysis is done here using an actual test result of a transport cruise con-
dition measurement done in the Transsonic Tunnel HST of the NLR. see Fig. 1. To-
gether with the dynamic pressure, reference area and mean aerodynamic chord of the
model the force components of the balance were recomputed from the test results.
These force components are given in fig. 2.: the weight of the model is already in-
cluded in these values.

For the accuracy of internal six component balances no generally adopted definition
exists. The error band of the balance may be estimated by a formula developed by
DNW for the acceptance tests of new balances. Following this definition the toler-
ated error in the force or moment component "i" under the simultaneous impact of
the other components Fn is:

SF n.Fn1x

n+i
Flmax, Fnmax: Maximum Design Force A: 0.001 for Absolute Accuracy

Ranges of Balance 0,00033 for Repeatability

ai:l,5 for Axial Force 1.5 for Rolling Moment
1,7 for Side Force 1,0 for Pitching Moment

1,3 for Normal Force 1,0 for Yawing Moment

This formula takes into account the variable influence of component interference.
According to our experience with balances of different manufacturers the chosen
magnitude of the factors "A" and "a" describes nearly the maximum which is achie-
vable with the very best of modern balances.

The bvlance used for the measurement shown in Fig. 1 has the following ranges:

Axial Force X - 930 N
Side Force Y - 3530 N
Normal Force Z - 9220 N
Rolling Moment Mx. 235 Re
Pitching Moment My- 460 Nm
Yawing Moment Mz= 265 Nm

• ,,;

.... ..

* *-. -
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Using the formula given above and the balance load data from Fig. 2 the balance
errors may be calculated now. For the cruise condition (Cj 0,5) the result is:

Component Error % of value % of balance range

Normal force + 15.6 N + 0.65 + 0.17

Axial Force + 1.92 N + 2.36 + 0.21

Pitching Moment + 0.62 Nm + 0.44 + 0.13

This table demonstrates two facts:

A) With respect to the design load ranges of the balance the accuracy formula
given above results in errors between + 0.13 % and + 0.21 % for this 3-com-
ponent case.

A top class strain gage load cell (e.g. Schenck Master Load Cell) gives a
maximum combined error of less than 0,01 % of the design load range. This com-
parison demonstrates the large improvement potential of internal wind tunnel
balances.

B) With respect to the actual loads the errors are much higher (2.36 % in Axial
Force!). This demonstrates the unsatisfactory adaption of the balance to this
actual test case. In fact careful adaption of the balance to the actual test
condition is a most succesful approach to better balance accuracy! Never-
theless this approach is limited. A certain reserve in design load capacity
of the balance is necessary for dynamic overload (buffet), higher off design
Mach numbers and on the other hand it is not possible to design the axial
force load range to much less than 10 % of the normal force range.

According to the law of propagation of error we can now compute the combined drag
coefficient error from the errors in the balance components. In this computation
it was assumed that the error of the angle of attack measurement is 0.01 degree.
The drag coefficient error is shown in fig. 3. According to the balance accuracy
specification the repeatability is about 1/3 of the absolute accuracy: this repeat-
ability is also shown in Fig. 3.

The goal of a drag measurement repeatability better than one Drag Count is hardly
fulfilled by this test. A better adaption of the balance design ranges to the test
condition may improve the situation.

Nethertheless the total accuracy of present-day internal strain gage balances is
still far away from the real capabilities of force sensors based on the combina-
tion of metallic spring and strain gage. The improvement potential is hidden in
nearly any detail of balance design, fabrication and calibration. Some of these
aspects will be discussed in more detail.

4. Improvement of Conventional Balances

The main sources of balance inaccuracy and so the starting points for improvements
are:

Imperfect balance design philosophy

- Imperfect balance fabrication technique

- Imperfect calibration method

- Imperfect evaluation software 1r

- Imperfect electronic readout equipment

4.1 Balance design and manufacture

Balance design and manufacture are covered by one chapter in this paper since they
are closely coupled. It Is an established fact that a first class multi-component
balance must be fabricated from one piece of metal to avoid excess hysteresis. The
standard fabrication process is spark erosion. So the geometric design of the
balance is limited with regard to this fabrication process.
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The method to assemble strain gage balances from several prefabricated parts by
electron beam welding [7] eliminates thes! design limits. A considerable improve-
ment of the stiffness especially of the axial force parallelogramme is possible by
an interlocking design of the parallelogramme outrigger beams. Fig. 4 shows the
parts of a balance prior to the welding process; the interlocking geometry of the
outrigger beams is clearly visible. The increased stiffness greatly reduces axial
force interference effects. Fig. 5. shows the balance body after the welding process
and Fig. 6. shows the ready mashined balance.

The repeatability depends very much on internal hysteresis effects of the balance
material. Since internal wind tunnel balances are used through the positive load
range and the negative range as well, the hysteresis behaviour also in the region
of zero load is important. Fig. 7 shows Youngs Modulus of maraging steel 200 in
the low stress range [161. These effects produce scatter in the balance results.
Apart from [16) this effect was not discussed elsewhere and up to now no provision
is known to improve this effect.

The choice of material for a strain gage balance is still more black magic than sci-
ence. Maraging steel (200, 250, 300 grade), PH 13-8 Mo, 17.4 PH are favorites of
balance manufacturers. Nevertheless the knowledge of the reasons for internal hystere-
sis, the comparative qualities of the different materials and the influence of thermal
treatment and preloading on these effects is very limited. A repetition of the work
described in [161 using modern balance materials and more modern electronic and strain
gage materials is urgently needed to clarify the effect ofthermal treatment and mechan-
ical treatment on the internal hysteresis.

Experience achieved so far indicate, that grain refinement by thermal treatment has a
positive effect an internal hysteresis. Multiple loading of the balance to about 30 %
more than the design loads in advance to calibration also improves the hysteresis be-
haviour. Nevertheless more scientific knowledge in this field is needed to get real
improvements.

Another important balance design aspect is the design of the balance connections to
sting and model. Friction and hysteresis in the connections quite easily produce
scatter in the balance signals. Very careful design and manufacture is necessary to
minimize these effects. Especially the manufacture of the frequently used cone connec-
tion is extremely critical. Cylindrical connections on the model side and flange con-
nections to the sting are to be prefered. Effects can be minimized also by decoupling
the measuring areas of the balance from the connections by a certain lenghtof solid
balance body.

Careful design of the axial force parallelogramme is necessary to avoid random non-
linear behaviour which is caused by minor buckling effects in the structure. These
effects mostly are caused by using very slim links and flexures in the design. So the
designer runs into a conflict, because the fight against temperature effects leads
to flexures with minimum stiffness. A useful tool for the optimized design is a com-
puter programme for the balance body stress analysis, which allows the designer quick
changes of all geometric dimensions in dialog with the computer. Using such a programme
the balance designer soon acquires the experience how to optimize a balance design.

This computer programme can only be based on simple stress and strain calculations.
Finite element methods are much to complicated for this optimization process; in the
balance design business these methods can only be used to study basic design problems.

The most important balance design aspect is the design for low sensitivity against

termal effects. Because of the outstanding importance the thermai effects are dis-

cussed separately in chapter 5.

4.2 Balance Calibration Method

Present calibration methods are generally characterized by two common principles:

- Balances are calibrated by applying exactly known forces reasp. moments exactly
in the direction of one specific balance component. So one gets the calibration
of this balance component and the interference of this component on the other
components. In most cases this method is extended to the simultaneous applica-
tion of two components, e. g. one force and one moment which is generated by
asymmetric application of the force. Since the gravity field of earth is by
far the most accurate instrument to generate known forces in a precisely defined
direction, successful calibration methods respectively calibration rigs mostly
use free hanging deadweights. Pulleys and levers should be avoided as far as
possible.

- Result of the calibration is evaluated in form of a "Second Order Calibration".
This means, that the signal of the strain gage bridge appointed to the component
i is approximated by the equation:

Ri aj Xj It. bijkXjXkj.1 j-1 k .
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A complete evaluation of these equations for all six components is only possible
*if any possible combination of two components is simultaneously used during the

calibration. Normally only a part of these combinations is used during the cali-
bration.

According to our experience all these calibration methods have two main disadvan-
tages. The first disadvantage concerns the necessity to apply the catioration
force (or moment) exactly at the right position in the right direction. Since the
balance is deflected by the force, permanent realignments are necessary. The posi-
tion of the force must be correct with respect to a reference point or reference
planes which are defined relatively to reference surfaces of the balance.

During the calibration the balance is more or less hidden in the calibration sleeve;
so the control of exact position and direction of the forces respectively moments
is extremely difficult and time consuming. Since the calibration reacts very sensi-
tively to errors in this respect, this problem is the main source of inaccuracy in
the calibration. A totally different calibration method is necessary for a real im-
provement.

The second disadvantage mentioned above is the description of the signals by a
second order polynom. There are several physical reasons for a slightly nonlinear
behaviour of a spring/strain gage sensor. Since a balance is designed symmetrically
and is used and calibrated in negative and positive load direction, the nonlinear
characteristic of such a balance should be symmetrical to zero as is shown in Fig.8.
This behaviour can be described only by a third order polynom! So the evaluation
method should give a third order approximation of the calibration data.

Nevertheless the square term should not be omitted. There are physical reasons for
a slightly different sensitivity (linear term of the polynom) in the positive and
negative load direction. This can be described quite successfully by a second order
term.

So the signal of the strain gage bridge appointed to the component "l"is described
by the following equation:

R 1i Gj Xj .: bijkXjXk * C1ijX

Based on these considerations a new calibration method was invented at the Technical
University of Darmstadt in cooperation with MB8 Transport Division. The model end
of the balance is attached to a very rigid mechanism, which is very similar to an
external six component balance of high precision. The reference point and reference
axis system of the balance to be calibrated is carefully adjusted to the reference
system of this external balance. So the external balance measures all calibration
load components applied to the internal balance.

The calibration loads are applied to the earth end of the examinee; normally combi-
nations of two components are applied. No provision is made for distortion of the
balance; so except the two calibration loads also the other components of the exam-
inee will be slightly loaded. Since all these loads are measured correctly in the
calibration axis system by the external balance, the loads may be applied by quite
simple screw jacks. A comparison of this calibration principle with the conventional
principle is given in Fig. 9. and Fig. 10.

Each data point gathered during this calibration process represents a mixed loading
with one or two main components and slight interferences in the other components
due to the distortion of the balance and the loading mechanism. So a numerical
algorithm is needed to extract the third order calibration matrix from this data
set. This algorithm was developed at the Technical University of Darmstadt; the
nonlinear method evaluates the calibration matrix as a least square solution of the

*total calibration data set. The algorithm was written in a computer code and tested
successfully. Computing time for the total calibration in a MicroVAX is about 15
minutes.

The new calibration methods allows the design of a fully automated calibration
mashine. This is of particular importance for cryogenic wind tunnels (see chapter 5).

Another balance software problem is the computation of the balance evaluation matrix.
The calibration process delivers the calibration matrix; for evaluation of the
signals given by the balance in the tunnel one needs the evaluation matrix which is
the inverse function of the calibration matrix.

Of course the exact inverse function of a nonlinear system of equations does not
exist. Ever since second order calibrations are used for internal balances, more
or less crude approximations are used for this inverse function. The high speed
of modern computers and the development of fast algorithms for the iterative solu-
tion of nonlinear systems of equations allows to do the job without the search for
an inverse function. An iterative solution of the nonlinear calibration matrix
equation system can be done so fast, that ON LINE solutions of the original Cali-
bration matrix can be used during the wind tunnel measurements.

Wrl i .1.
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4.3 Electronic Readout Equivment

Present standard in Wind tunnel data systems for strain gage signal readout is the
high precision D.C. amplifier with filter and digital voltmeter. Despite the extreme
quality of such equipment errors of considerable magnitude are generated by thermo-
electric voltage.

The accuracy requirements result in the need to resolve balance signals to fractions
of a microvolt. Errors of several microvolts are generated already by small tempera-
ture differences in the lead wires and connectors.

This problem is eliminated by the use of A.C. excitation and readout equipment. The
very best of this equipment is able to resolve strain gage signal to less than
0.1 pV quite stable. the use of A.C. equipment is strongly recommended for high
precision balance measurement.

5.Thermol Effects and Cryogenic Balances

5.1 Nature of Thermal Effects

Wind tunnel operation is always accompanied with temperature changes in the tunnel.
Even when the tunnel is equipped with a sophisticated temperature control, over-
night and weekend shutdowns result in a totally different temperature level in the
tunnel and hence in the model and in the balance. So during tunnel operation the
balance temperature changes and spatial temperature gradients occur in the balance
body.

Thermal effects in the balance due to temperature changes presently are the most
severe source of balance inaccuracies. In fact such thermal effects limit the accu-
racy and repeatabiblity of internal balances in conventional tunnels already.

The cryogenic tunnel concept offers a dramatically improved full scale flow field
simulation. Obviously this improved simulation is only profitable, if the balance
gives at least the same accuracy as an excellent balance in a conventional tunnel.
Since balance accuracy in conventional tunnels is already limited by thermal effects
and the thermal envi mment in a cryogenic tunnel is so much severe, the required
balance accuracy in a cryogenic tunnel is much more difficult to achieve.

In fact today wo are still very far from the "1 Drag Count" accuracy goal in cryo-
genic tunnels. Unless dramatic improvements are achieved in thermal behaviour of
internal balances, cryogenic tunnels like the NTF or ETW will give little benefit.

Balance errors due to thermal effects are caused by several different physical
effects:

- Zero shift and sensitivity shift of a strain gage bridge due to uniform tempera
ture change (no spatial temperature gradient!

These effects are always combined by zero and k-factor shift of the gages and

thermal expansion and Young's Modulus shift of the balance material.

- Zero shift due to different temperatures at the four gages of one bridge.

- False signals due to internal stresses in the balance body caused by spatial
temperature gradients. This error looks like a zero shift, but since the gages
really measure a strain distribution, this effect should not be classified as
a zero shift.

5.1 Effects due to temperature level

The effects due to uniform temperature change can be minimized by "matching" of
the four gages in one bridge and/or by conventional hardware compensation, see [141
for more details.
Residual effects of this type can be calibrated quite sucessfully against the tem-
perature. After numerical correction for such residual effects a satisfying accu-
racy over the whole temperature range even for cryogenic tunnels can be achieved.

5.2 Effects of Bridge Teeperatur Differences

The second group of effects mentioned above is very difficult to eliminate. The
only possibility is to avoid different temperatures at the gages of one bridge as
far as possible. So the gages of one bridge should be arranged as close together

. ',i,, t .as possible.
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5.3 Balance Distortion due to Temperature Gradients

The most severe thermal effect is the distortion of the balance body due to spatial
temperature gradients and especially the axial force measurement system is affected.
It is this effect which prevents really accurate strain gage measurements in cryo-
genic tunnels up to now.

Fig. 11 demonstrates the distortion effect on the axial force system. It is assumed,
that the left half of the upper outrigger beam is increased in length due to a tem-
perature rise. The figure shows the resulting distortion of the complete system
and demonstrates the origin of the false axial force signal. What can we do to cor-
rect, minmize or even avoid this effect?

Prevention or minimization of the affect

One possibility is the prevention of any spatial temperature gradient. Some authors
suggest to block off temperature gradients from the axial force system by controlled
heating or cooling at the balance ends. Up to now this Idea was not succsful; the
local heating introduces even steper local temperature gradients into the balance
body which worsen the situation. Furthermore it seems not possible to fully control
the temperature gradients during temperature excursion of the tunnel. A long time
is needed for stabilisation of the balance at the new temperature level.

Another possibility is to design an axial force element which is insensitive against
temperature gradients. The only promising approach to reduce the axial stiffness
of the parl elogramme flexures as far as possible. Unfortunately the flexures are
very heavily stressed by side force and yawing moment, so the effort towards low
flexure stiffness is closely limited. Nevertheless this demonstrates the extreme
importance of a close match of the balance to the test case in the tunnel. If the
use of the balance is strictly restrAined on transport performance measurements, the
balance can be designed for very low side components (side force, yawing and rolling
moment). The design side component can be restricted to magnitudes which result from
asymmetrical fabrication and alignment of the model. So very low flexure stiffness
can be achieved with corresponding low sensitivity against temperature gradients.
But in any case additional provisions are necessary.

A complete novel design of the axial force system which basically is not sensitive
against temperature gradients, has not been invented or proposed up to now. This
field is still open for creative engineers.

Correction of temperature gradient effects

One possibility is to measure the temperature distribution in the balance body at a
sufficient number of positions and to compute a correction of the false signal from
this temperature distribution. Recent experience gathered at MBB Bremen demonstrated
that big improvements can be achieved by this method [141. Nevertheless a careful
application of this method is very time consuming and the finally obtained accuracy
is not sufficient for the large temperature gradients to be found in cryogenic bal-
ances.

A derivative of this method is to wire the temperature sensors (resistor sensors)
directly into the axial force strain gage bridge. This simple method is less accu-
rate than the computational method mentioned above and does not satisfy the accuracy

requirement of transport performance measurements.

A more promising approach was developed at the Technical University of Darmstadt in
cooperation with MBB. The idea is based on the fact, that the thermal distortion
alone only produces an equilibm of forces inside the balance body. Fig. 12 shows
an axial force parallelogramme system without the conventional bending beam sensor,
which is distorted by a thermal expansion in the upper beam. The forces in the two
flexure systems are of equal size and opposite direction. An axial force would pro-
duce equal deflections in the same direction in the flexures. So if a measuring
element is integrated in both flexure systems, the sum of both signals Is a measure
of axial force and the difference of the signals represents the temperature effect.

This basic idea led to the design of three axial force systems with different sens-
ing elements, see Fig. 13, 14 and 15. A complete six component balance was designed
following the same design principle, see Fig. 16.

In a real system litke this the separation of force effect and temperature effect
will not be perfect due to tolerances in fabrication and gage application. Axial
force will result In equal deflections of the front and aft system while tempera-
ture gradients will result in equal but opposite forces in both systems. So the
simple sum of the front and aft signals will not exactly represent the net axial 3

force effect. This problem can be solved by a special calibration procedure.

Force calibration

With constant temperature the balance is calibrated by axial forces. Apart from the
calibration this test gives the result, that the front element signal C

1
A and the aft

element signal C2A always have the seme ratio U, which Is close to 1.

.- ~- .4.Y
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C2A

Temperature gradient calibration

In the unloaded balance a distortion like shown In Fig. 12 is generated by local
heating of one bean. The result is, that signals generated by distortion always
have the ratio

Cie=

which is close to -1.

In operation the elements give the signals

front end system EI= IA CIS (

aft end system E2 = E2A+C29 ©
signal due to axial force

signal due to distortion

The equations(D to(form a linear system for the unknown values(1A, C2A, C18 and

By solving this set of equations one gets the net signals due to axial force

C1A £- E2A

respectively the sum of the front and the aft end signal

ClA EA (El -E2PH1 O)

So the temperature effect is perfectly separated from the force measurement.

This concept was verified by a measurement with the axial force system shown in
Fig. 13. The element was equiped with temperature sensors and heating elements as
shown in Fig. 17. At different temperature levels from ambient temperature down to
cryogenic temperature the element was locally heated to introduce temperature grad-
ients into the structure.

Results of this test are plotted in Fig. 18. The signals of both bending beams (eval-
uated as micro-strains) are plotted against the difference of the mean values of tem-
perature in the upper and in the lower bean. The result is a linear correlation be-
tween the signals and the mean temperature difference with a scatter of less than
0,04 microstrains through the whole temperature range. Approximation by a second or-
der polynom results in a remaining scatter of about 0,02 microstrains.

The signals at zero temperature gradient show the apparent strain effect through the
temperature range. Accidentally the gages on this element are closely matched, so
the apparent strain effect is low.

The correlation of the signals to the mean temperature difference is also a funktion
of the total temperature level. This is evident because parameters like thermal ex-
pansion coefficient, K-factor of gages and Young's modulus are functions of tempera-
ture.

The evaluation of front and aft signal ratio (see equation toabove') gives an even
more accurate result than the correlation of the signals against mean temperature
difference. The ratio is constant within a scatter of less than 0,01 microstrains,
which is well below the accuracy requirements. Again this signal ratio is a funktion
of the temperature level. The correlation can be described by simple mathematical
functions, so the correction in the computer is possible.

These results promise an approach to a satisfying correction method for thermal ef-
fects in axial force systems. Considering the extremely high accuracy requirements
and the unfavourable conditions in a cry onic tunnel, a loI distance is still to
go for the final solution of force measurement in cryogenic wind tunnels.

Iri n .. . .
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6. Conlclusion

* Precise wind tunnel drag measurements are an urgent need in transport aircraft devel-
opment. Present balance technology limits the accuracy and especially the repeata-
bility of such measurements in conventional tunnels and much more in cryogenic tun-
nels.

Total accuracy of internal balances can be improved by a balance design, which is
* closely matched to the actual test case. Further improvements are possible by advanc-

ad calibration methods and calibration software as well as by advan#.Vu balance design
methods.

Repeatability is mainly influenced by internal hysteresis of the balance material
and by temperature effects. Hysteresis effects can be minimized by the selection
of balance material and heat treatment. Further scientific work is needed in this
field.

Temperature effects can be minimized and corrected by relatively simple methods ex-
* cept the effect of thermal distortion in the balance body due to temperature grad-

ients. This effect up to now severely limits the accuracy of internal balances in
cryogenic tunnel. The effect may be corrected with satisfying accuracy by a design
with twin axial force elements and a special calibration procedure.

The development work on cryogenic balances done in cooperation of Technical Uin-
versity of Darmstadt and HBO Transport Division is funded by the German Ministry of
Research and Technology.
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CHARACTERIZATION OF HYPERSONIC WIND TUNNEL FLOW FIELDS
FOR IMPROVED DATA ACCURACY

by
Albert H. Boudreau, Aerospace Engineer
Arnold Engineering Development Center

Arnold Air Force Station, Tennessee 37389-5000 USA

SUMMARY

Hypersonic test facilities produce flow fields which are difficult to characterize.
In the past, many'hypersonic facilities were reputed to produce test data of inferior
quality when, in fact, it was poor characterization of the flow field principally at
fault. With the renaissance in hypersonics at hand, experimentalists face anew the chal-
lenge of accurately characterizing flow fields. The U.S. Air Force's Arnold Engineering
Development Center (AEDc) has faced these complex. problems and developed techniques to
accurately determine free-stream conditions. This paper highlights those 'tools of char-
acterization* and suggests a standard by which all hypersonic wind tunnels should be com-
pared.

LIST OF SYMBOLS

Cs  Axial-Force Coefficient
Cn Normal-Force Coefficient
CP Specific Heat at Constant Pressure

d* Wind Tunnel Throat Diameter
ev Energy of Molecular Vibration
h Enthalpy
k Constant
1 Model Length
M Mach Number
P Pressure
q Heat Addition Term (Eq. (3))
R Gas Constant
Re Reynolds Number
r Model Radius
a Model Surface Distance
T TemperaturL
U Velocity
XcpN Axial Distance to Center of Pressure
x Axial Distance
a Angle of Attack
y Ratio of Specific Heats
p Density
0 Circumferential Angle on Model
o Shock Angle on Model

SUPERSCRIPT

Conditions Behind a Normal Shock

SUBSCRIPTS

1 Conditions Before a Heat Addition Process
2 Conditions After a Heat Addition Process
b Model Base
.Centerline
DP Dew Point
Fz Freezing
N Hozzle Static
n Model Nose
o Reservoir ConditionsTR Tranlational
V Vibrational
w Wall

Free Stream

EXAMPLES OF CHARACTERIZATION PROBLEMS

In 1976 experimentalists working with AEDC's hypersonic wind tunnels discovered
that the arc-driven hypersonic Tunnel F was operating at a lower Mach number than expected
based on isentropic calculations. A task force was assembled to investigate errors as4 high as 25 percent in free-stream Mach number, and its findings serve as a basis for this

* paper.

Generally, improper characterization of hypersonic tunnel flow fields manifests it-
self as an error in Mach number. Although Tunnel F is an extreme case owing to its arc

:I I m
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heater, all hypersonic wind tunnels, regardless of type, appear to have some Mach number
characterization problems. For example, AEDC's Tunnel C, heated by conventional clean-
air heaters, exhibits a Mach error of as much as 1.5 percent compared to that predictedby isentropic flow using the ratio of free-stream pitot to reservoir pressure (see Fig. I).

These relatively small errors in Mach num-
"Symbols I ndk*lSharp nd ber can have large effects on the test article.

Blunt Conkial el Dab Recently, A. Martellucci of Science Applications
International reported (Ref. 2) that a 2-percent
apparent Mach error produced a 20-percent error

Iin static pressure measured on a model. Those
tests were performed in a hypersonic wind tunnel
at Mach 10.

90 is The message distilled from these experiences
800 is that any hypersonic wind tunnel operating at or
M • P* , Prmswe above Mach 8 is likely to have flow-field char-
600 / Assum entrop c acterization problems because of non-isentropicRek nsi0 phenomena.

5W - / Log P+29.06

4 / TNHYPOTHESIS OF NON-ISENTROPIC PROCESSES
(Operational Curve)300 The mechanism believed responsible for theTunnel F problem (and also observed in Tunnel C)

is vibrational excitation, followed by vibra-
200 tional freezing just downstream of the nozzle

throat, and subsequent rapid relaxation in the
FromRel. I downstream section of the nozzle. The de-

excitation phenomenon is apparently enhanced by
the presence of water vapor. It is hypothesized

IE i that condensed water vapor (and other contami-
9.8 9.9 l0.0 11. 1 M2 nants) act as third bodies. Collision of vibra-

lach umber, M tionally excited air molecules with these third

Fig. 1. AEDC Tunnel C Mach bodies allows de-excitation to take place.
Number Adjustment. The reservoir gas of most hypersonic wind

tunnels is excited to various energetic states as
shown in Fiq. 2. Note that the vibrational state is excited beginning approximately at
1400R which means that perfect-gas wind tunnels can experience the phenomenon when test
section Mach numbers of six or more are produced. Duplication facilities (where true
temperatures are produced in the test section) encounter excitation at test section Mach
numbers above three. Generally, only arc-heated facilities where arc electron tempera-
tures approach 25,0000R can excite the higher energy states. Once free of the arc column,
the molecules recombine in the order of 10-6 seconds. The higher energy states thus de-
cay to excited vibrational states which have relatively long relaxation times, such that
a significant amount of the vibrational energy remains excited as it passes through the
wind tunnel throat.

Approimate

Duplication Temperature and Ranges

Pressure Same as Flight) Ionization

u l N2 Dissociation

1-0Simulation (PerectGas Wind Tunnelsi i

\ 02 Dissociation

, 1 -Id l-Gas Region5 O 10 i 20

Test Section Moth Number

Fig. 2. Energetic Species in a Wind Tunnel Reservoir.

The vibrational freezing downstream of the throat is predictable based upon avail-
able N2 relaxation rates. The subsequent relaxation (or de-excitation) hypothesis was
tested in Tunnel C by measuring the vibrational temperature with various levels of water
vapor using a Laser-Raman scattering technique. Mach number was experimentally deter-

*Y'" mined froms cone measurements.
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Figure 3 indicates the strong correlation between water vapor (dew point) and vibra-
tional temperature, and the subsequent effects on measured Mach number. Figure 4 illus-
trates this process in the wind tunnels where the downstream portion of the contoured
noxzle approximates a constant area duct. When a mechanism is present to raise the
static temperature in a constant area, supersonic flow (for M ; 8), the free-stream
static pressure also rises significantly with AP /P ft AT./T,,. However, velocity and

*density (hence pitot pressure) change very little.

fibiewir 231fl i

a. -fec IS Virtoa hno VbTllna negydFe

r Temperature, Tv.

I Tj

DowPini Incrasing a

b. Effect on Mach Number, M..

Fig. 3. Effect of Water Vapor on Fig. 4. Hypothesis of Cause.

This may be shown by considering a heat addition process in a constant area duct
where condition "I" is prior to the addition and condition "2" is after it. The govern-
ing equations are

P1u 1 .P 2 U2  (1)

P1 p2  2 2 2 Plu 1 (2)

2 2
22 (3

And rearranging Eq. (2),1()

since

pl U
2  PlY

11 1

Using the equations of state, continuity, and momentum,

r 2 1+Y21 [ 1 (6)
21  2

and

P2 [
2 1 P 2 /P 1 1 1 [1+ yM1 ]

11 YMI YM, YIKl1l+ YM]

Simplifying, p1
2 + 1 2 1()
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but
pu = k P( (9)

Therefore,

2

S2 1 (11)

211

P 1

With this relative insensitivity of pitot pressure to an entropy increase in the
free-stream flow, it is obvious that measurement of pitot pressure alone cannot resolve
even larqe changes in the upstream static temperature. Consequently, measurement of the
ratio Po/Po does not readily disclose the presence of real-gas effects that would lower M.

Since the static pressure, P., shows a large change, the simultaneous measurement
of both P. and P6 is required to accurately determine free-stream conditions. The predic-
tion of Mach number is, therefore, dependent upon precise determination of free-stream
pressure.

The vibration de-excitation phenomenon noted here is strongly dependent upon both
the species and concentration of impurities such as water vapor. Hence, it is extremely
important to decrease these impurities to the lowest levels possible. Likewise, the rate
of expansion is important in establishing the vibrational temperature at which that mode
freezes. Contoured nozzles with high expansion rates are more prone to vibrational
freezing problems than conical nozzles with lower rates.

While other processes could be present to produce non-isentropic flow, the vibra-
tional relaxation phenomenon appears to be widespread. Regardless of the mechanism pro-
ducing non-isentropic expansions, it is extremely important to experimentally determine
free-stream pressure and Mach number to accurately characterize the flow.

EXAMPLE EXPERIMENTS

The AEDC Tunnel F investigation serves as an excellent example of flow-field char-
acterization because of its depth of analysis and the wide variety of experimental tech-
niquee employed. In this section that investigation will be discussed as a practical
example of the tools available for flow-field analysis.

It is important to note that the Tunnel F flow field had been characterized in the
conventional style previous to the investigation described here. In fact, Tunnel F had
operated for 15 years prior to these experiments. In addition to the standard pitot and
heat-transfer surveys, sharp-cone models were used to demonstrate the validity of the
calibrations. Figures 5 and 6 present some of those results which clearly leave the im-
pression that no problems existed.
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A - 17. Ol i. H 1800Sharp cones, however, are similar

I to pitot pressure measurements in that
llo 700 n. hey are relatively insensitive to en-
NEE- 9OD t v&tropy changes in the free stream. Hence,

the experiinentalist obtains a false sense
F -1m f well being.

0 -
010 Blunted, low-angle cones are aero-
Do UeiwentaioDats Run N. 3880 dynamic configurations exhibiting extreme

Old". sensitivity to Mach number. Therefore,
0.0 a,0' 0c'o 0 an rn/rb - 0.168, 5-deg half-angle cone

6l1sse 0 180 was chosen for testing in Tunnel F. AsM PrcGs I nviscid MW?54 from (P IP) & go noted in Fig. 7, the model was heavily
FlosThor . Rom l- _Wx17 a 270 instrumented with surface pressures and

0.21 I -A featured three nose pitot measurements
0 02 04 Q6 08 1.0 for redundancy.

NI'
Fig. 6. Peripheral Pressure Measurements In order to interpret blunt-cone

on a 10-deg Sharp Cone (Contoured results, one must obtain high-quality
Nozzle) in Tunnel F. predictions of surface pressure including

tne viscous-induced contribution. Fig-
ure 8 presents some solutions using the reliable Lubard Hypersonic V iscous Shock Layer
(HVSL) Code. Experimental 5-dog cone measurements are compared to three of these solu-
tions in Fig. 9. Note that the viscous contribution is relatively small at these Reynolds
numbers. Hence the high sensitivity of wall pressure to Mach number makes this the best
method of experimentally determining free-stream Mach number.

211.168
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Fig. 7. 5-dog Cone Pressure Model.
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0.03

MOD

±5 percent 8.90

12.50

001 Experiment Theory

M Reift Inviscid 3-0 Lubard HVSL Represents the

0 7.15 4 x 106 Range of 7 Gages

o &90 3 x 10
6  Around the Model

. 12.50 3 x11 - -- I

20 30 40 50 60

s/r

Fig. 9. 5-deg Blunt Cone Wall Pressure Measurements.

The high-quality cone results (Fig. 9) permitted a mapping of the Mach errors pres-
ent in Tunnel F. Figure 10 compares Mach numbers derived from the cone measurements with
those calculated from pitot pressure measurements assuming isentropic relationships.
Note that the amount of water vapor in the reservoir clearly influences the Mach error,
lending credence to the relaxation hypothesis raised in the previous section. Likewise,
the use of a 4-deg half-angle conical nozzle with lower expansion rate also indicates
less Mach error.

16 - Symbols Indicate Average

15 Experimental Results 50
Dry. Top -85°F

14 Wet: TDp :-
2

F 40

13Contoured 3

1 2 Nozzles I

10-9

I - Nozzle(Dryl --- 0O

-, Calibrated Range (Typical'
2 7

6 6, -
5 5

5 6 7 9 lO ll 12 13 14 15 16 • /m./

Mm (I sentropc Calculation) 4 7

Fig. 10. Comparison of Mach Numbers 3
for Tunnel F. f

The rise in free-stream temperature 2
affects Reynolds number as well as Mach num- 41 l ; Risrows tndicate Amount
ber. Hence, the standard Mach-Reynolds num- of Performance Losses
ber map of wind tunnel performance will show Due to Non-lsentropic
a marked decrease in simulation capabilities
as indicated in Fig. 11. The degradation is
most severe at higher Mach numbers where the 8 ID 12 14 16
reservoir gas must be heated higher to pre- Mach Numbe
vent liquefaction. The higher reservoir
temperatures are hypothesized to put more Fig. 11. Tunnel F Mach-Reynolds
energy into the vibrational mode, and hence Number Map.
more energy is available for the relaxationprocess.

Of course, one cannot run a large 5-deg cone in the test section when other experi-
ments are underway. Hence, the experimentalists at Tunnel F developed a correlation be-
tween measured nozzle static pressures (Pn) and Mach number determined from the blunt
5-deg cone. That correlation is illustrated graphically in Fig. 12 With a family of
such correlations for each nozzle and throat, free-stream conditions could be accurately
determined. This method was extremely successful, and Tunnel F subsequently produced
data with accuracies comparable to those obtained in AEDC's continuous wind tunnels, i.e.,
±5-percent uncertainty.

ij. .. . .____ ___ ) ,,..-
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OTHER EXPERIMENTAL METHODS
a44-in. Contoured Nozzle
d8. 906 n Wedges have been used often to check

Mach nusmber experimentally. While they may
produce useful results, they are clearly in-

0 Mferior in sensitivity compared to a low-angle,
_ blunted cone. Figure 13 compares the per-

centage change in measured pressure ratios
t 12 between a wedge and the 5-deg cone used in

/the Tunnel F experiments. Not only is the/0 blunted cone a factor of two more sensitive,
but it eliminates many practical problems en-

11 / countered with the wedge such as viscous
S / '"sensitivity, alignment sensitivity, outflow

0' ±(3 problems, and probe interference problems.
0 ' /These can be critical considerations in hyper-a /10 0/ sonic facilities since times are relatively

L ine Pefect short; hence, instrumentation accuracies are
Agreement often inferior to those realized in continu-

ous wind tunnels. In short, the factor of
two increase in sensitivity may be required

I I I I I I simply to make the measurements meaningful.
S 9 10 II 12 13

PM.from NozzleStatics. (M'), Free-stream velocity measurements were
made in the course of the Tunnel F experi-

(mi (M N - 1 74 • 0. 77666iWpNi 1.74 ments. Figure 14 illustrates smear photog-
raphy of free-stream density fluctuations as
viewed through a narrow slit on the tunnel

Fig. 12. Mach Number Correlation window. This extremely simple, yet highly
for Tunnel F. accurate technique essentially produces a

distance versus time plot on the film from
which velocity is easily calculated. These measurements are compared with calculated ve-
locity in Fig. 15. Note the excellent agreement. This agreement further reinforces the
conclusion previously drawn: velocity and density are insensitive to a heat-addition
process in the free-stream. The hypothesized relaxation of vibrational energy will be
observed primarily as an increase in free-stream temperature and pressure, not a change
in velocity.

This can be shown by considering the equation of state written as

P = pRT or p = -L (12)

But for the heat-addition process in a constant area duct previously discussed, Eq. (6)
yields

p2  2
P2 1 + 41

= -> 1.25 (13)P1 1 + 4M2

for the case of M, = 14 and M2 = 12.5.

WEDGE 5-DEG BLUNT CONE
12

Po[ 0 0
2  

Measure Change 5

F =C_ Angle 2-

p /
1

WedgAngjle
je Measure PSPo

56

Problems Advanta

•, Boundary-Layr Displcement Thickness No Alignment Problems
in~fluences the Shock Angle, 9 e 40 Measurements

• A .2-dig Alignment Error • 1. 5-pcent * No Outflow Prolems2 M ch Error * Viscous Effects Can Be Easily CalculatedtOutl at We E by Lubard Code
s Probe I nterfarence

I I I I
4 6 10 12 25 35 45

Wege Angle. dq s/rn

Fig. 13. Comparison of a Low-Angle Wedge and a 5-deg Blunt
Cone for Determination of Mach Number. r
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],.. , _]o [Aperimental Vellocity NMsurement

Ctlcuat. Velocity from
600Data Reduction Program

12Hmnea N 25 50)

Fig. 14. Enlargement of a 16-M Film Fig. 15. Tunnel F Velocity Measure-
Segment Used to Determine mnsa . 1. ~n50)
Free-Stream Velocity in

Likeise, Tunnel F.

T 2  
2 2

2 M Y~ lYM -1.25 (14)
T1 1 +Y 2J

Hance,

-- =/Rl PT2 1 (15)P2/R2 2

and considering the conservation of mass (Eq. (1)),

U1 = U.2  (16)

Vibrational temperature of the free-stream flow was measured using the Laser-Raman
method in both AEDC's Tunnels C and F. The Tunnel C results are more complete and hence
are presented here in Fig. 16. They clearly show the sensitivity of vibrational tempera-
ture to water vapor content of the free stream. Note that the measured Mach number
closely follows the trend in vibrational temperature decay. The Tunnel F results were
consistent with the Tunnel C measurements.

In Tunnel F the free-stream flow con-
~IBM tained, in addition to water vapor, vapor-

Po - 1470 Psal ized copper and tungsten from the arc cham-
1600 To 216&R ber. These impurities no doubt further

exacerbate the situation. In general, one

o. should expect non-isentropic processes to
1400 be enhanced in proportion to the amount of

0 contamination present in the free stream.

satisfy the requirements for hypersonic'o [ imulation, clean unadulterated flow will
> ow be increasingly more difficult to produce.

-80 -60 -40 -20 0 20 Recognizing that perfectly clean flow is
impossible to achieve in moat hypersonic:
facilities, steps must be taken to account

10e for the inevitable non-isentropic processes.0 Blunt-Co Data Local test section measurements must beI 0Sharp-one Data used to characterize free-stream test con-

I I ditions.
-CONCLUSIONS

II~ 1.-~- Most hypersonic wind tunnels op-
___0__________at__orabove__Mach__8 appear to suffer
80.0 -0 -0 0 2 afloss offree-stream Mach number because

Frost Point. OF of non-isentropic processes occurring inthnexpansion nozzles.

Fig. 16. The Effect of Water Vapor on 2. It is hypothesized that the pmi-
Vibrational Temperature and cipe l non-isentropic process consists of a
e Measured in the Tett
Section of M 1DC Tunnel C. rapid, non-equilibrium, vibrational relax-

ation which raises free-stream temperature
and pressure. This relaxation phenomenon is associated with impurities, such as water
vapor, in the free-stream flow which act as third bodies.

tane,__aditon _ waervao, apr-o 40~aie opran ugtnfo h r hs
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3. Conventional methods of determining free-stream Mach number (i.e., pitot pres-
sure measurements) are insensitive to such non-isentropic procesese and hence are poor
indicators of true Mach number. Blunt, low-angle cones, on the other hand, have bean
shown to be ez0agent indicators of free-stream Machi nuber.

RECOMMENDATION

The hypersonic wind tunnel testing comunity should adopt a standard Mach-sensitive
modal, such as a blunted "-eg cone, by which a11 operating and newly calibrated hyper-
sonic facilities can be compared.
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POw IIYNo~ DIS ROWSISD9 POEFANCE ET DE CETU DE POUSSEE DIE GOVERNES DR hISSLE

per

ijemese d M~ib~dem Dumas
S.AAMATRA-SrviceAdrodynamique

B.P.No. I
37 Avenue Louis Brft

78148 Vd~zy-Vilawecublay Cedex

Risumi

Au cours de litude de missiles pilotts par yoiea 48rodynamique, it est nicessaire d'estimer aes efforts et
moments exercds sur les gouvernes.

Difficilement eccessibles par le calcul numirique, ces ttudes sont effectutes en soufflerie.

Aprfs une premitre phase destinte a optimiser la position de l'axe at la forne en plan de ta gouverne. it sagit
de mesurer las efforts et moments dens tout le domaine de vol.

Une conneissance eussi precise qua possible des moments autour de l'ax. gouverne (Moments de charniire) est
n~cessairt aun Etudes de pilotage.

La communication propos~e #tudie Veffet de difftrents paramitres experimentaux sur la qualit# de telles
masures.

Abstract

During the study of aerodynamically piloted mIssiles it is necessary to estimate the forces and moments applied
to the control surfaces.

These quantities are difficult to evaluate by numerical methods and the study is carried out in the wind tunnel
experimentally.

After a first evaluation of an optimal position of the axis of rotation and of the planform, the efforts and
moments are measured in the whole flight envelope.

An accurate knowledge of the moments about the axis (hinge moment) is required for guidance and control
r stuides.

The proposed presentation assesses the influence of various experimental parameters on the accuracy of such
measurements.

Description do !Etude effectuic

Dens le cadre de ce colloque sur la pr~cision des essais en soufflerie, nous avons choisi de vous prfsenter une
Etude, effectudke il y a pau d'arndes. sur la meilleure fa~on d'obtenir une masure pr~cise at fiable dle moment deI chamnitre sur une gouvemne de missile.

Nous verrons, tout au long de cette communication, qua les moments de charniire, dans la mise au point du
missile, sont certaineinent les coefficients las plus difficiles 6 masurer daons de bonnas conditions.

11 y a trts longtemps qua l'optimisetion de ces coefficients est un de nos boucis majeurs : celb tient * l'emploi
systomatique do; servomoteurs Electriques pour mouvoir nos gouvames. Bien entendu, pour des probimes
dl.encombrement, do puissance embarquie et malgr# las progris technologiques if est toujours nilcesseire de
minimiser las moments de charnihre. Ceci pout se faire en plarent au mieux leaxe de la gouverne. compte-tenu du
domaine do vol du missile. Mats c'est en gOntral insuffisant at if faut #tudier des formes spilciales qui permettent
dobtenir Its r~sutaftsdisrs en moment de chernitre sans modifier liquilibre gtn~ral du Missile.

11 yea dtux genres d'optimisation:

1) Pour la moissiles *tout Mach*, le fecteur to plus important est lI'volution du foyer on fonction du nombre de
Mach. l'influence dui brequage at do l'incidence Otent r~duite a un r6la secondaire qui nest pas niglig#
pour autent.

2) Pour las missiles ayant une gemme do Mach do vol unique (sub ou supersonique), les facteurs
prtpondtrants detvieninent #itentuellemeiint le braquage et l'incidence. Las dtplecements du foyer
atrodynamique sont elors plus limnitts qua dens te premier cas.

Leonvironnement atrodynamique dans lequal se dtbettent las gouvemnes, est euws trts difftrent d'un missile A .

laura: '4A
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- 6coulement sain pour des gouvernes "canard".
- oicoulement tris perturbi quand cc sont des gouvernes situies derritre des ailes. LA, elles sont soumnises AlIa

diflexion, au sillage et aussi, pour Its ales de tr~s faible allongement, A licoulement tourbillonnaire.
Les difficultis se sont accrues, ces dernitres anies. a cause principalement de l'augmentation du domaine de

vol en incidence de certains missiles, d'une compacitil en envergure accrue, mais aussi d'un nouveau bcsoin de
coefficient do moment do charnire qui commence 6 itre introduit dans Its lois de pilotaje d'ou uno
modilisation compl~te ccc coefficient au lieu de la dittermination beaucoup plus simple de son enveloppe.

Pour toutes ces Etudes, iI nest plus envisageable de faire Appel aux essais en vol. LOpoque oO ii Etait possible
deoffectuer des s~ries do tirs dle missile pour litudle de l'ahrodynamique. est r~volue depuis longtemps et
mainittaant. A tout It mioux, un emsi en vol pout dlonner un point do recalage. D'autre part, compte tenu de
loenvironnement airodynemique des gouvernes. Pitude fine des moments de charnitre nest pas encore possible
par It celcul :on pout soulement pripositionner IPaxe.

11 rest. donc l'utilisation de la soufflerie. Cello-ci pout intervenir 6 deux niveaux

1) Pour 6tudier Ia forme de gouvorne ripondlant au cehier des charges et optimiser Ia position do son axe
cest ('aspect optimisation des moments do charnitre.

2) Pour la determination fine du moment do tharnihre en foniction do toutes los variables et en permettro la
moddlisation :c'est 'aspect identification qui suit logiquoment la phase pr~c~cdent.

On choisira de prdfirence dens It premier cas et pour des raisons dEconomniquos. des souffleries do taifle
moyenne A refales qui pormottent do nombreux changoments de configurations on un temps minimum.

Les techniques employtes soot alors :

- En recherche do formes en plan ou doeposition d'axe, uno balance (Eventuellement deux) est mont~e dans
le copsdu missile et sort do support a Ia gouvorne ce qui. pour des missiles avoc: gouvernes A Varritre, rend

ipsIl It montage do Ia maquette sur un dard balance et sacrifie, dlans cc cas, lts postes globales. La balance
comporte gdniralement Ia mesure do trois composantes ,portence, moment de charnitre et moment
doencastremont. Les doux premi~res sont Ies principales. Elie est dlimensionnie pour tenir eux efforts et avoir uno
grande rigiditE. ce qui revient A dire quo la plupart du temps, los moments doe charniire - par d~finition do faible
nivoau - soront mesurds dlans une zone no concernant quo quelques pour-cents do I'Ltendlue do mesure do la
balance.

Ions de l'exploitation des risultats, on suppose la balance incdiformablo. Elie ast fNot au corps du missile. Les
coefficients sont mesurds deans un systime d axes lid' au missile. Avec trois composantes mosurtes, on no pout
effectuer do changement de repire.

Les essais d~crits deans Ia suite do cot exposE sont do co type.

-Pour la d~termination compltte des moments do charnikre, il est souhaitablo dle disposer d'une maquetto
importento deans une grande soufflerie mais, deans ce cas, il dlevient nicassairo do commander lts brequages A
distance et gintralement. pour des missiles A gouvernes A l'arriire, d'int~grer los balances A lintdrieur mime do Ia
gouvorno.

Les changemonts doe configuration sont tr~s peu nombroux. et il est alors intdressant d'utiliser uno soufflorie A
fonctionnoment continu.

* aOn pout itre conduit M~~ur doux - voiro A un - It nombre de composentes mosurtes :moment do
charniire et portance. La po14a .nce est mesurte suivant un axe perpondliculaire au plan dle gouverno.

La forme do Ia gouvorne. I& position do von axe 0tant fig~es, il y a tout inttrki ce que los nouveaux rdsultats
soient en bonne concordance avec los pr~c~cdents.

* Ayant constat6, sur deux configurations de missile:

- qu'il existait des diffoirences non nigligoablos ontro lts rtsultats acquis dans deux soufflorios, sur
Oventuellement uno mime maquetto,

- quo lts essais on vol, au torme do lour dipouillement. metteient en cause ces risultats

et pour essayer de rdpondre Aux demandes de pr~cision accrue, nous avons engagE# une Etude A caractire gtn~ral.
L'objectif fix* est la mise en Evidence des principales sources d'erreur pouvant d6grader la pr~cision des risultats
et qui sontl A rlier soit A le maquetse, soit A Ia balance, boit A la soufflerie.

Au-dlel do cot objoctif, il fallait d~finir les paraomitres Ies plus influents et les t ilirances A lour appliquer pour
quo It passage des coefficients do soufflerie au missile se fasse sans docite possible. Nous avons donc choisi trois
configurations a~rodynamiques tt difftrentes de prodluits en d~veloppement pour lesquols Its essais do moment
do charnitre Etaient d~jAi faits, avec lts rEsultets ancions A notre disposition.

1) Line configuration canard reprisentant l'avant d'une bombe puid~e laser, A domaine do voll subsonique.
Elie a felt, Wa I* pass#. lobjet do nombreux essais d'optimisation deans une seule soufflerie (E4 Saint-Cyr -
.A.T.) (figure 3).

2) Line configuration do missile a~robic A donicine do vol sub - trans - et supersonique dont lts essars ovaient
Et effectuds A S2 et S3 Modano (figure 4).

it ;-k
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3) Up* configuration A aulos longues A domain. do vol sub - trans - at supersonique, dlont IQ$ ossais avajont #t#
faits A*S3 Modane at E4 Saint-Cyr, maus darn des conditions legirement difftrentes (figure 6).

C'est pour les deux derniires configurations qu'un recalage avec un essai en Vol itait possible.

Nous allons rappeler briivement los caractiristiques des deux souffleries o(I ont *t# faits los ossais.

-La soufflerie S3 doe lONEfiA 6 Modane est A rafales ; l'air est stock# sous prossion dens des riservoirs et
ditendlu A travers Ia veine A nos conditions d'essais (figure 1).

Les dimoensions do Is voine varient suivant los tuytres utilistes, mais bont de l'ordre dle grandeur de :0,76 m
x 0.80 meon suporsonique ct 0.56 m x 0A4 A 0,78 m on transsoniqu*. La prossion ginratrice pout varier dens un
rapport 10 (0.4 A 4 basrs)) pou.r un mime nombre doe Mach, be qui pormot Ia variation du nombro de Reynolds. Les
incidences vont do - 2'6 + 30' pour le missile A ailes longuos.

-La soufflerio E4 do lnstitut Airotechnique do Sint-Cyr ost igalement A rafales; l'air est aspirdbAtravors un
dessicateur 6 billes d'alumine par des trompos A eau chaude siutis au d~but du diffuseur. A l'aval doe la voine
d'essais (figure 2).

Los dimonsions doe Ia voino, A section carrie, sont dle 0.85 m x 0,8S m. La pression giniratrice ost Ia pression
atmosphdrique. 11 n'ya donc pas de variation possible de Reynolds pour un nombro doe Mach donn#.

* Le nombre do Mach ost reglable entre 0,4 et 2.5. Cette soufflerie alas reputation didtre tris lemineire.

11 serait hors doe propos doe donnor ici le d~tail des programmes eflectuts dlans les deux souffleries, d'autant
qu'ils tenaient compte do nombreux essais entirieurs :nous ellons seulemont exposer los diffirents paramitres
6tudids.

1. Paraetres maquotto

1.1. Evolution gtomitriqu* des gouvemos

* Uno Etude attentive do Ia giorittrie dos gouvernos employees lors doe diffirents ossais concernant la mime
forme en plan doe base, a montrd quo pour des raisons dlivorses: 4volution du projet, fabrications hativos sur le site,
etc .... los gouvornes dftaiont raremont idontiquos d'un essai A l'autre. Los variations portaiont sur l'tpaisseur
relative, le profit, los rayons doe bord d'attaquo et doe bord do fuite. Des rocoupomnents ont donc 6t0 faits dlans les
deux soufflorios avec los mimes gouvernos dont on a fait varier le profit lenticuleire, plaque plane biseautio au
bord deattaque. plaque biseautie au bord d'atteque et au bord do fuito pour uno Epaissour relative idontique
(8 %). Pour un profit donnds (double biseau), uno variation de l'epaisseur relative a *SE effectute :12 %, 8 %, 7 %
(figures 5 et 7).

A'issue do ces essais, on pout dire quo doux facteurs g~omntriquos sont pr~pondLrants:
- Ii paisseur relative,
- le biseau do bard do fuite (I anglo et longuour).

Entre los risultats extr~mes, los *carts moyens en portance sont de l'ordro doe 30 % en incidence. Coest dlans le
cas du missile aiobie quo nous avons effectud le plus d'essais doe profits (schomes figuresa).

Sur los figures 8Set 9. nous avons tracE, A Mach = 0,9, pour diffirents angles do braquage de gouverne, los
vaeurs obtonues pour Ia portance et le moment do charnitro avec dliffirents profits. La formo on plan est bien sir
inchangie. Los #carts ettoignont 30 % on portanco et sons trks importants en moment doe charnitro. A Mach = 2,
ces dcarts se ridluisent 110 %, en portanco, pour une incidence do 100 (figures 100et11).

Sur le missile A ailes longues, on obtient tgalement des valeurs tr~s; dispersdes pour as portanco et le momentI do charnitre, les &arts, sur ce dernier coefficient, atteignent facilement 60 % (figures 12 et 13).
Les doux profits utilisis, numirotts 1 et 11, ont Ia mime tpaisseur relative. soit 7,2 %. Le premier est

losangique, Ie dleuxiime lenticulaire. Le respect doe Ia giomistrie oxacte du profit le la gouverne do vol. apparait
donc comme impiratif pour l'obtontion do insures do moment doe charniire. on soufflerie, comparables aux
vaeurs doe vol. On survoillera, en particulier, los Evolutions qui peuvont intervenir au cours du dtveloppement du
missile. (Changement do procidd do fabrication. de structures affinies, ...) . La fabrication des maquottes
- dpaisseurs des bords d'attaque et doe fuite, diiro. Epaisseur - et lour mise en conformitd, doivent ftro virifi~es
avoc soin. Los moments doe charnitre, et 6galemont I Equilibre #n~ral du missile. pouvont otre modifits par Ia

goomdtri* du profitl son Evolution remot on cause Ia position doy'axe do Ia gouverno.

1.2. Implantation do Ia balanceI
La balance Etant intemo, l'axe doe Ia gouvorne traverse Is peau du missile. Un iou doit Otro laisst An d'intordire

tout contact entre I'axe do Ia gouvorne, pest, et Ia peau du missile. I1 doit Otro minimum pour Eviter uno
intoraction avec licouloment autourcl do agouverno. D autros essais ont montri quo Is portse do portance lite * un
jou trop important no pouvait #tro nL'glig~e.

11 en ost doe mime du iou ontre l'omplanture doe gouverno et Ia poau du missile, qui est difficile A roprtsentor A
lI'chelle on soufflerie du fait doe Ia taillo doe Ia maquotto.

1.3. Transittlon diclondmi

Des essais ont it# rtalis~s, sur le missile airobie et Is missile A ailos longuos, aec: et sans dtclonchemont do Ia
transition, A S3 Modane. Co sonS des grains do carborundlum coll~s qui ont #t# utilists. A cot effet.

~~"*k
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11 n font apaaltre aucun effet sensible star la portance doe la gouverne, Ickart maximum, boit 4 %. tant de
*l'ordr ede graner do la preision de mesure. 11 en est de me du moment dle charnitre, A l'exception du cas du

missile A ailes longues. au-dlelh de 250 d'incidence (10 % d'cart). mais avec un kcart correspondlant A un faibile
diplacement du foyer de I& gouverne.

2. Param~tres lits 6Al. gosffieie

2.1. Fkdlitldrusuktat

2.1.1. 0 Polaires or et retour en incidence

A S3 Modane, les polaires sont effectutes avec une montie en incidence, suivie d'une descente, sans
interruption dle l'acquisition pendant cette douxitme phase.

Nous distinguons deux types d'icarts:

- des #carts lies A la precision de la mesure, presque nigligeables en portance, mais plus sensibles en
moment de charnire,

- des icarts plus importants, en portance et en moment de charnitre, apparaissent A haute incidence.
Ces phtnomitnes d'hystirisis so rdpitent pour tout nouvel essai de recoupement. Nous verrons, plus
loin, que ces phinoritnes semblent plus dos A un kcart doe nombre do Mach entro l'allor et le retour,
quA6 un phinomine atrodynamnique.

2.1.2. 0 Des polaires ont 6t* ripitos successivement, sans variation des paramittres dessais

charniir o (figure 1 Sont dle bonne qualitO pour la portance. il y a quelqlues 6carts sur les moments do

Nous prisentons un recoupoment sur une polaire exicutie A trois reprises avec la maquette du missile
airobie. A Mach = 2. En portance. los courbes. presques confondcues, no sont pas prtsentdes (icarts d'environ 3

En moment, on voit une ligire dispersion principalement A foible incidence. Compte-tenu des foibles
niveaux mesuris, lI'art relatif est important (20 %).

2.2. Effet do Reynolds

Comme p our Ia transition diclonchide, Putilisation do profils minces A bords d'attaque aigus rend faible
l'influence du nombrecdo Reynolds, par variation doepression gilniratrice.

Sur le missile airobie, ontre Pi = 1 bar et Pi - 3 bars, il n'y a pas do modification sensible des niveaux do
portanco et de moment do charnitre.

Sur Ie missile A ailes longues, les differences en incidence no sont pas supieures A la precision do Ia mosuro.

Un effet de Reynolds plus important doit toutefois Ostre envisage entre le vol et Ia soufflerie, les. variations de
pression giiratrice no permettant pas d'atteindre les Reynolds Elev*s du vol reel.

2.3. Effetde Mach

En subsonique #MovE, los obstructions do voino, aux grandos incidences, rendlent difficile Ia stabilisation du
nombre doe Mach. Los tomps do riponse des asservissements et do Ia soufflerie, font quo le nombro do Mach
depend do 'historique do l'essai et il West pas le mimo solon qu'uno situation est abordte en incidence croissanto
ou dicroissante. Sur le missile A ailes, longues, au cours d'une polaire on aller-retour A M . 0,9, nous avons pu
remarquer qu'aux variations du nombro doe Mach autour doe so valour nominale entre los monittes-dlescentes en
incidence, correspondent des variations en portance et moment do chamniire (figure 15). Los risultats dun ossai A
incidence constante et variation continue en Mach, montrent quo los karts precedents soexpliquent par Ia seule
evolution du nombre do Mach entre deux situations identiques par ailleurs.

Pour des comparaisons entro compognes ou souffleries (temps do riponso A priori diffdronts). le respect du
nombro de Mach cond itionne la qualitt des recoupements.

2.4. Etalonnagle do la balane

LiOtalonnoge d'une balance sun deux sites par des 4quipes diffirentes, ce qui suppose aussi des mtthodes, des
chaines doe mesure, des bancs do tarage, des pieces d'application de charges diffirentes, no donne pas les memes
coefficients.

Nous avons compare s mimes risultats dipouillissuccessivoment avec los talrnnages obtenus dons losdeux
souffleries. En portonce, licart est foible (2.5 %). mais atteint 10 % en moment do chamitre, indipondomrment
du nombre do Mach :il est A peu pnis proportionnel A l'incidence, c'ost-a-dire au chargemoent do Ito balance. O'oei
I'idde quo los coefficients d'intoraction portance-moment ne sort pas ivaluds eau mime niveau cdons los deux
Otalonnages.

2.5. Moage e n aoufflerlo

Nous avons effectut des mesuros en tournant la maquette de 1W0 (maquotte envers), avec: le missile A ailes
Iongues. On voit ainsi apparaitre des differences supdrieures A la precision doe mosuro allant jusquh* 5 610 % sur le
Coefficient do ponce et 20 % sur It coefficient do moment de tongago. Sun Ia position du foyer, cola so tradluit
par tan *cart voisin du millimitro (soit 2 % deolecordedol la gouvorro).

Litcart observe correspond en general A un dicehage des courbes d'essais.

"T a $.
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Do nombroux rocoupements ont 604 faits, toutes choses fgalos par ailleurs. entre les soufflerios E4 de II.A.T.
Saint-Cyr 01 S3 de l'ONERA Modane, pour les trois typos doengin, ot avoc pluuaeurs profils do gouvomoes.

Pour Ie missile a ailes longues, los essais ant 6W* rialists avec: los gouvornes 6 profil lenticulaire (N' 11) et
prismatique (W 1).

Dans losdeux cas, coest A Mach . 0.9 quo los #carts sont los plus importants (figures 17 et 18).
En incidence, E4 attribue une portance de gouvorne plus dloie dlans le cas de Ia gouverne n* 1I Ia profil

lenticulaire.

En moment do chamitro, los diffilrences sont sonsibles et sont supirieures Alas dispersion normale (figuro 19 et
20).

A Mach - 2, los kcarts sont plus riduits (figures 21 et 22).

Rappelons, quAb Mach . 0,9, une ligire variation du nombre de Mach introduit une importante variation des
coefficients mosuris.

Pour Is missile airobie, les risultats A Mach - 0,9 ou Mach - 2, sont mioux regroup01. Une diffdrence apparait
toutofois localomnent autour de l'incidence nulle A Mach - 0,9 (figures 23 et 24). Le profil, assoz dpais, est
p obabloment A l'origine de ce comportemont local diffirent, Ie type dicoulement A faiblo incidence devant istre
difftrent dans los deux soufflorios.

Dans Ie cas do loengin canard, los recoupomorits entre los deux soufflories sont satisfaisants (figures 27 Ct
28).Comme Ie vol ost subsoniq ue, axde ouvornos est positioni pour minimiser los moments do charnidbre A
Mach - 0,9. Les #carts relatif ur ce coefficient sont donc importants. bien quo corrospondlant a do faiblos
variations do Ia position du foyer.Mais ce sont los moments do charnitro prisoen compto pour Ie positionnomont do
lax*eot Is modtlisation des moments do charnitre conte impr~cision nest pas ndgligeablo pour Ia bonno
r~alisation do ces travaux.

En resume, los. recoupements sont satisfaisants pour Ioengin atrobie et 1'engin canard en portance. 11 ost A notor
que cos ongins nitvoluent qu e . squi 130 d'incidence. Sur l'ongin canard, avoc positionnement do l'axe adaptd, A
un vol subsonique. los essais, dans deux installations, mettont on Evidence des differences relatives importantos
sur Ie moment do charniiro.

Dans le cas du missile A ailos longues. qui dipasse 30* d'incidonce. los 6carts ontro los deux soufflerios so
crousent au-dleli do 150.

CONCLUSIONS

On pout obtonir. dons l'ensemble, une meilleure pr~cision sur le coefficient do portance quo sur le coefficient
do moment do chamnitre. Co risultat 6tait attondu puisque laxo ost positionnAt do manutre A minimiser los
moments de charnidbre. 11 ost alors trits dilcat do mosuror simultantment dos moments faibles et des portancos
tlevies.

tParmi los diffirents paramrittres. 6tudiiss, nous retiendrons:

- le iclenchement do transition, Ia variation du nombro do Reynolds (clans los limitos pormisos par
linstallation d'essai, qui reste iloignte du vol rdel), sont sans effet important sur los postes do gouverne,

avec los profils utilists,

- Ie bon respect du profil do Ia gouvorno est ossentiel ainsi quo, d'une fa~on plus gtndrale, Ia bonne
rialisation do Ia maquette,

- los Ekarts observds entro deux soufflorios no sont pas doe nature A romettre en cause le positionnomont do
l'axe doe Ia gouvorno optimisie pour los vol sub et supersoniquos, ouj 1e diplacemont du foyer entro IC
subsonique et Ie supersonique ott prdpond~rant.

Dans le cas du vol uniquemont subsonique, le paramitro Mach nintervernant pas, le positionnomont do'
l'axe doe Ia gouverno pourrait Otre ligirement dtpendant doe Ia souffierie.

11 en serait de mime d'un engin entiirement supersonique.

La prtcision du nombre do Mach, Ia fidilitt, le type doe montage en soufflerie, font apparattro des *carts
sensibles, en particulior sur le moment doe charnitre . Is no sont toutefois pas assez importants pour remettre on
canero dnig d'axo do gouverno. Mais il faut tonir compte, pour I'utilisation d'un modole do moment do

On apportera un soin tout particulior A litalonnago do Ia balance, en particulior dons 1e domaino intiresst,
c'est-A-dire forte portanco 01 moment faible. La bonne appr~ciation des coefficients d'intiraction est ossontiello
pour rialisor des mosuros doe moment do charnibre satisfaisentos.
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COMPUTERIZED THEDIOGRAPHIC TECHNIQUE FOR THE DETECTION OF
BOtNDARY LAYER SEPARATION

by

R. MONTI and 0. ZUPPARDI

Institute of Aerodynamics 'lmberto Nobile"

Faculty of Engineering of Naples
P.19 V. Tecchio 80, 80125 Naples - Italy

SUMMARY

The computerized unsteady thermographic methodology has been used as a non-invasive
technique to analyze the boundary layer development and to detect the transition l ines
and the separation regions on airfoils surface in 'wind tunnel. The method is based on
the strong dependence of the heat transfer coefficient upon the flow field condition at
the airfoil surface.
This non-invasive technique has proved to be very appropriate when studying the boundary
layer behaviour at very low Reynolds numbers (Re&lO) in incompressible flow because at
these conditions the boundary layer is very unstable and cannot tolerate any disturbance
induced by intrusive techniques.
The experimental diagnostic equipment consists of a Thermograph (AGA 680), an A/D
Conversion Unit (0JIORADIO DIGIME) and a Microcomputer (APPLE lie).
The tests have been performed on an elliptic cylinder, on a WORT1Wtf FX-63-137 and on a
MILEY M06-13-128 airfoil.
The experimental results compare favourably with those obtained by other authors that
utilized conventional techniques.

LIST OF SYMBOLS

c Specific heat of the skin material. 4 Heat flux
C Model chords Re Reynolds number
cf Skin friction coefficient: St Stanton number
c Specific heat at constant pressure: t Time
h Convective heat transfer coefficient: T Temperature
K Thermal conductivity: V Asymptotic velocity
N (19Jt) Thermograph signal: x,yz Cartesian coordinates on
Nu Nusselt number: TO map
p Pressure: X,Y,Z Cartesian coordinates of the
Pr Prandtl number: airfoil surface (see Fig.2)

Greek Letters

a Angle of attacks y Kinematic viscosity
6 Thickness of the model skin: Q Density
Al Curvilinear distance between two a Stephan-Boltzmann constant

consecutive thermal pixels: T Characteristic thermal time
At Time between two thermographic acquisitions: tw Wall shear stress
f Emissivity of the observed surface: ,)1 Cordinates tangent to the

airfoil surface

Subscripts and special symbols

a Ambient or air: LS Laminar Separation
aw Adiabatic wall: o Outer surface of the model skin
c Convective: r Radiative
I Inner surface of the model skin: T Transition
K Conductive: TR Turbulent Reattachment
n Normal to the model skin

1. INTRODUCTION

One of the major difficulties in experimental aerodynamics is the evaluation of the
interference effects induced by intrusive probes in the flow field. This problem, that
Is common in wind tunnel testings becomes very critical when sampling the boundary
layers at low Reynolds numbers.
Flow fields past aerodynamic bodies (airfoils, wings) at low Reynolds number (Re<O

5
)

and in incompressible regimes are receiving -n ea,/ great attention for applications to
,. Remotely Piloted Vehicles (RPU), sailplenes, turbine blades, inboard sections of

helicopter rotors and so on.tr, Typical hysteresis loops appear in the lift and drag curves of airfoils and wings: i.e.
the values of the lift and drag are different if measured when increasing or when

" decreasing the angle of attack. This phenomenon, caused by the boundary layer
Instability, makes all the aerodynamic masurements and their repeatibility very
difficult. The low Reynolds numbers flow fields are being studied today in wind tunnels

<.Ur jt. 4
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by several researchers (Refs.1-9) who have been performing mainly measurements of

aeroynamic forces, flow visualization and pressure measurements.
As pointed out by Mueller (Ref.3), the boundary layer at low Reynolds numbers is very
sensitive to small, non-controllable disturbances as, for Instance, free stream
turbulence, acoustic waves and mechanical vibrations. These disturbances strongly depend
on the test environments, test facilities, and surface conditions (roughness) of the
aerodynamic models.
In particular.

I) intrusive probes, as the hot wire anemometer, alter the flow field,
ii) visualization techniques, as the smoke wire, are not accurate,
iII) instrumented aerodynamic models, as the pressure tap models, may be inaccurate

because of the finite number of sensors that can be located on the model surface.

The aim of the present paper is to show the feasibility of the thermographic technique
as a non-intrusive method for the study of the boundary layer development and for the
detection of the separation regions on the surface of airfoils at low Reynolds numbers,
thus avoiding the drawbacks of the above mentioned methods.
The method relies on the fact that the distribution of the convective heat transfer
coefficient (or its non dimensional value like the Nusselt or Stanton number) is
related to the flow regimes, to the boundary layer characteristics and to the flow
separationl the distribution of the Nusselt (or Stanton) number over the airfoil surface
will then yield information on the boundary layer evolution.
The method has been already tested successfully by the first author (Refs.1O, 11) that
analyzed flow fields past non-lifting bodies (cylinder, sphere). In the present paper
measurements are extended to aerodynamic models: 1) an elliptic model of aspect ratio
1:3 (test case), 2) a WORTW'E' FX-63-137 airfoil (Ref.?) and 3) a MILEY MO6-13-12e
airfoil (Ref.4). These two belong to the class of airfoils specifically designed to
operate at very low Reynolds numbers (say in a range 10

4
(Re(10

5
).

2. THEORETICAL MODEL

The mathematical model needed to compute the Nusselt and Stanton number distribution is
described in details in Refs.lO, 11. The following discussion will therefore cover only
the main asoects of th'e orooe.
The unsteady 2-D heat balance equation for a thin skin airfoil model of thicknessd
(Fig.l) that is exposed to heat fluxes at the outer and inner surface (40, 4i

) 
reads,

when integrating the equation across the model skin (Ref.1O)s

2 a2

qo. 4j- Pc58 k8(M,4~2 1

where:i he, c, k are the skin thermophysical characteristics,
o is the outer surface temperature of the model,

is the thickness of the model skin,
t ' are the coordinates in the plane tangent to the surface.
Apart the negl igibi I ty of the curvature effects, the main assumptions made in the

derivation of Eq.I are:

I) the energy accumulation in the model (due to model heating or cooling) is
approximated by:

Jc "t dn-cB (2,a)

ii) %the heat conducted through the model skin is similarly approximated by)2
kT)din 5. k65( 3"T0.o (2,b)

0 2p n 4 2

The above approximations are discussed in Refs.l0 II where their validity is shown to
depend on the thermal characteristics of the model and on the experimental thermographic
observation times.
If only the convective heat transfer (4c) is of interest, then the overall heat flux
between the model surface and ambient must be corrected by subtracting the radiative
heat transfer (<ro) l

co- - q

The local convective heat transfer coefficient is then defined as:

•(To. 'I,.)

I
Ac,

h-



fand the Nusselt and Stanton numbers ass

NUS.h NU
.k, PV %: Re Pr

U Ilrthe asymptotic velocity,

C is the body characteristic length (in the present case the chord of the airfoil),
CPA is the specific heat of air at constant pressure,

K4 is the thermal conductivity of the air.
1With the above definitions one may writes

Nu = Nu,+ Nuk+N Nr (3,a)

where Nuc, NUk, NUr are the contributions due to the heat capacity (unsteady term), to
the conductive and to the radiative term, respectively;

Nu pc8 3To C (3,b)
(To-T.) "tY kT

2 2
Nuk_ k8 , aTo To (3,c)k: - T o - T . a) t"2- 1 a q k .

NUr=" cr(T. T ) C (3,d)
(To - T ) k,

Use of the computerized Thermographic System (TO) allows the outer
surface temperature distribution to be measured in time To( t, ?I ,t) and therefore the Nu
to be evaluated.
The knowledge of the heat transfer coefficient can release information on the boundary
layer characteristics. In particular if the Reynolds analogy would apply (St - cf/

2
)

then one could immediately correlate the value of the velocity gradient at the surface
with the measurement of the Stanton numbers

-St= V Nu
anv CPr

So, in this case, the ratio Nu/Pr is a non dimensional value of the velocity gradient at
the surface.
Several general i zed forms of the Reynolds anal ogy are proposed i n the l i terature to
extend it to cases not considered in its classical formulation (i.e. Pr = 1, dp/dt - 0).

In general for attached flows, the Stanton number profile is expected to be
qualitatively similar to that of the skin friction coefficient.
Two typical formulas are reported here to substantiate the above statement.

The first one (Ref.12) is applicable to incompressible laminar flow past a wedge of
angle #i (rad]:

St_-J- Pi
2

/
3 (6a'3(1 - X) -1t3 to

21(4)

where: 3
X= (to/ t)4-20p

cf is the skin friction coefficient,
a is the second order derivative of the Falkner-Skan velocity function on the body,
Iw is the wall shear stress,

is the curvilinear abscissa where the wall temperature has a discontinuity,
I s the dimensionless wall derivative of the temperature with respect to the

coordinate normal to the surface.
The second formula (Ref.13) is for incompressible turbulent flows,

Sti = C , F ,F  (5)
Pr

where:

%.;
;  

F F2 are factors characterizing the deviation of the temperature field fram the
Reynolds analogy concept. In all the above cases one may relate the velocity gradient at

.-'..-t, .- the surface with St (or, more directly, with Nu).

-j..-i,'
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3. NUMERICAL APPR0XIMATIONS

A computer code has been developed on the basis of the Eqs.3a-d. It processes the
thermographic images to compute the Nusselt/Stanton number distribution on the surface
of the airfoil.
The code has been arranged so that the three contributions to the Nusselt number are
computed separately in order to evaluate their relative importance.
If At is the elapsed time between two thermographic images, the unsteady contribution
is computed as:

Nu,- pca To(t +At) - To(t) C (6)
At - T.. k.

where Taw is the average value of the adiabatic wall temperature. It concides with the
average temperature of the observed surface, taken in adiabatic steady thermal
condi t i on.
To is the surface temperature at the intermediate time between t and t * At. This is
numerically estimated as the arithmetic mean of the temperatures at the two times t and
t + At:

To s To( t +AL) = Tot) + Tot +A 1) (7)
2 2

In the case of incompressible flow (Taw Ta) the Nusselt number associated to the
radiative contribution can be approximated by:

Nu -_.4 adi (8)
- k .

This approximation is acceptable if the surface temperature (TO ) is not much higher than
the ambient temperature (i.e. when (To - Ta)/Ta (< )
The numerical evaluation of the conductive contribution to the Nusselt number (i.e. the
second order derivatives of the surface temperature) takes into account the fact that
the Thermograph detects the projection of the surface temperature over a plane
orthogonal to the viewing axis; therefore it was necessary to develop an algorithm able
to compute V

2
T on curved surfaces taking into proper account the airfoil position with

respect to the Termograph (i.e. the angle of attack).
In the present measurements the span axis of the airfoil is orthogonal to the viewing
axis ( ,c- y), therefore the correction refers only to the conductive heat flux along
the chord direction.
The airfoil model is positioned with respect to the Thermograph so that the chord is
aligned with the direction of the rows; the number of pixels available along the chord
is 128 that is sufficient for the evaluation of )

2
T/D4 2 in Eq.3c.

The numerical algorithm that evaluates the second order derivative, along a pre-selected
row "I" and at the generic column point 'J", relies on three pixels (not equally spacel)
and reads:

766+2) -ToW-a Tofli. Tbi-2)
-To 2 ~ +t A*l 41 j + Al

j Is jAl j+1 + A / (9)-

The geometrical computing scheme of the curvilinear distances Jill, 412,.. An between
two consecutive thermographic pixels on the airfoil surface is shown in Fig.2. The
routine consists in evaluating:

a i) a second order closed spline function (Ref.14) interpolating the coordinates of a
number m of assigned points of the airfoil surface (Xi, Zil iml,. ,m; typically sc20).
The selected order of the spline is believed to be accurate enough for this computation.
In fact the property of the spline function guarantees the continuity of the curve, its
slope and curvature at each point of the surface. This is an iterative algorithm thatcomputes both the curvilinear abscissas 9 1i.m and the coefficients of the

polynomial, parametric functions X = X( C) and Z Z(t).
At first step the coefficients of the functions X

0 
= X

0
( C0

) and ZO = Z0( C0 ) are
evaluated using as curvil inear abscissas the distances measured along the polygon
connecting the input points. A number (say 30-40) of subJivision points are then
introduced in each interval. A new set of curvilinear abscissas I is computed using
the functions X

0
, Z0 and a new couple of X

1 
- XI( C1) and Zi c 21( 1) is then obtained.

The computation is iterated until a convergence criterion, based on the percentage
difference, at the generic iteration ji C C4  - C*-' / C i-I i. m, is
fulfilledl

ii) the distance between two consecutive thermal pixels along the chord: AX - C / n,
n - JT - where JT and JL are the pixel numbers identifying the trailing and the

5' leading edge;
iii) the curvilinear abscissas , , " , nx of the points of the airfoil

surface corresponding to the geometrical absciss X .~ n~i' by means of the

",1 spline function;

, . , ,. .
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iv) The curvilinear distances I1. (J-12,...,n) are finally obtained from 4,
42.''. 4 n.| by the approximative relaionshipa

Al1 , 4
j. j-i+(Z.,- 7

4,BflC (10)

4. EXPERIMEITAL EQUIPM04T AN TEST PROCEDURE

4.1 Thermoarachic Eaulement

The thermographic equipment implemented at the Institute of Aerodynamics 'Umberto
Nobles" consists of (Ref.10)s

1) Thermoaph AGA 690. This is a single detector, cryogenically cooled device. It uses
two scanning mirrors (a rotating and an oscillating mirror) to map the temperature of a
finite surface. The photons emitted by each point of the surface are focused an the
detector at different times with a frequency which depends on the &canning time of the
mi rors.
2) O[ISZNW AYIORAOIO A/D Converter that acquires and digitizes the thermographic picture
in a matrix of thermal pixels. The buffer RA of this instrument can store
simultaneously two digitized thermal images (or matrices) Nit) , Nit. At) taken at a
time Interval At (that can be selected at will).
Since the frequency is rather high, (the scanning time is shorter than the
characteristic cooling time) a thermographic image Is taken by averaging the pixel
values ever eight subsequent thermal images (one Imago every two seconds). Consequently
the noise/signal ratio is substantially reduced and a more accurate surface temperature
measurement is provided. The thermal accuracy is estimated to be about 0.1 centigrade.
3) Personal computer (APPLE lIe) where the two thermographic matrices are recorded. The
microcomputer can store simultaneously two matrices of 68xJ29 pixels (8 bits) for
subsequent elaboration.

4.2 Modl.J

The geometry of the MILEY and the i.ORTMA airfoil is shown in Fig.3. The dimensions
(chord and span) of all the models are 0.1 [ml and 0.15 tm] respectively. These are
dictated by the diameter of the wind tunnel test section.
The wing span equals the exit diameter and two fences are located at the spsn ends in
order to simulate a 2-D flow field.
All the models are by a thin foil I '1- 0.5 [mm]) of stainless steel (S304) whose
thermophysical properties are.

Density ( 0 ) - 7900 (Kg/m3)
Specific heat (c) - 500 (J/Kg/K]
Thermal conducivity (k) - 14.6 (W/m/K|

This material was chosen for structural and thermophysical reasons,

i) it was easily folded to fit the large curvature of the airfoil leading edge
(due to the very small dimension of the chord) without wrinklingl

ii) although the material foil is very thin. it is rigid enough to keep the shape of
the airfoil;

iii) the thermal conductivity and the foil thickness exhibits values that satisfy the
assumptions made in the mathematical model (Eq.l).

In particular the temperature time derivative and the second order derivatives along
the surface (Eqs.2a, b) are practically constant across the foil thickness. The rather
high thermal conductivity may imply however a large contribution of the conductive term,
in presence of non negligible surface temperature second order derivative along the
tangential directions.
The external surface of the models was painted with black graphite powder in order to
get a value of the surface emissivity close to one (and a TO signal only slightly
dependent on the surrounding ambient conditions).

4.3. Exserlsmntal Procedure

The experimental procedure is the following ones

I) establish a steady flow field past the airfoil model In a wind tunnel and measure
by the TO system the surface temperature at one side (e.g. the upper side of the model).
This temperature practically coincides with the adiabatic wall temperature (To)
Ii) heat up the airfoil model trying to obtain a temperature distribution as uniform

as possible (to avoid large contribution of NUk)l
111) shut-off the heat sourcel
iv) observe with the aid of the thormographic system the time evolution of the surface

temperature of the model that is being cooled by the air flows two thermographic images
,,n j, . Kare taken at a time interval At'

Sv) by means of the Microcomputer, process the AL(t) and N (t+ At) signal matrices to
obtain the Nusselt and/or the Stanton number distribution ovr the observed surface.

N
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The experimental equipment is shown in Pigs.4ab.

4.4 Heatino Systems

Two heating procedures will be described and the results compared. In the first
procedure the heating of the model takes place when it is in the airflow; in the second
procedure the heating is performed before the airflow is established over the model.
The drawback of the first procedure is the disuniformity of the temperature profile
along the chord (e.g. in correspondence of the leading edge due to the higher cooling
rate).
Two different heating techniques have been used in connection with the first procedure:

i) the first technique consists in blowing hot air ('v300 C) Into the hollow model by
means of a blower connected to the model through a muffl
ii) the second technique uses a 'comb" of electric wires, positioned inside the model

and running along the wing span, they radiate power onto the inner surface of the model.

With both the above techniques the first thermographic image is taken soon after the
heating source is shut-off.
A typical profile of the first thermographic image, obtained for the WORTIW# airfoil
heated by the hot air, is shown in Fig.Sa. One can notice the low temperatures at the
leading edge because of the high local heat transfer to the air; low temperatures also
occur at the trailing edge because of the reduced hot air mass flow rate in these
regions.
The contribution of the conductive flux is therefore important and must be carefully
evaluated.
When using electrical wires the value of 4j, transmitted to the model wall by the wires
(after the power source is shut-off), must be evaluated and included in Eq.I.
With the second procedure the heating of the model is accomplished with the tunnel
airflow diverted away from the model by means of a baffle. With this procedure a third
heating technique can be used. warm air (, 60 C) is blown on the external model surface.
The first thermographic image Is taken 2-3 seconds after the baffle is removed and a
steady flow field is created over the airfoil. This heating procedure may lead to an
initial temperature distribution more uniform than the one achieved with the first
procedure (Fig.5b).
The uniformity of the temperature may be appreciated by looking at the Thermograph
Monitor; the experimenter can consequently blow warm air at the appropriate surface
regions to achieve an almost constant surface temperature (this technique cannot be used
in closed test chamber wind tunnels).
Most of the thermographic results, which will be shown in the next sections, have been
obtained with this procedure.

4.5 Choice of Thermooraphic Measurement Seouence

The choice of the time interval At is a compromise among the following requirements:

i) the numerical approximation of the time derivative (Eq.4) that calls for a small
time intervall
ii) the Thermograph sensitivity that would suggest long time intervals to achieve an

accurate evaluation of the 'difference' between the two temperature matrices

H) the validity of the assumptions (2a,b), that is best accomplished with a rather
long time interval.

To estimate the value of At neceseary to obtain a minimum temperature difference ATm
detectable by the Thermograph (as for requirement ii), one can write (Ref.10):

ATm=4L (ToT-) (1)

where:
T - T, is the temperature increase of the model surface over the ambient temperature.
* using the external heating technique: To - Ta 20 C guarantees a sufficiently large
value of jTm.
In fact recalling the definition of the characteristic thermal time ( v):

h
and assuming for the Nussel t number an average value of 350, one obtains (from the
definition of the Nusselt number). h 90 Cm-/K]. Eq.12 (by using the geometrical and
thermophysical properties of the skin materials) gives Vr%20 CsI. To obtain sufficiently
large values of A Tm, the value of A t was therefore set at 4 Es) that implies average
surface temperature differences of 4 CC) (measured with good accuracy by the TO System).

4.4 Calibration and Temoerature Measurement

The success of the TO technique is based on the possibility of obtaining accurate
temperature maps of the model surface. This involves a calibration procedure and a
software for the transformation of the signal matrix U(t) into a temperature matrix

K(t).-alibration curves are constructed for the surface of interest at a given sensitivity
, and at constant ambient conditions by looking at a surface point where the temperature

.. . ? I
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can be changed at will (within the temperature range of interest) and wher the
temperature can be measured by a point sensor probe. The couple of value% of T and N are
recorded to construct a calibration curve to cover all the temperature range. 7he value
of N that corresponds to the temperature T is however dependent on the window (or slot)
position, chosen by the TO operator.
The calibration curve is built piecewise by patching together different legs, Obtained
at different window positions. At a window position 'I' one records T1 and N1 at
increased temperature values starting at temperature • In when the window range is
covered (e.g. AT - 20 C) and the value of N corresponding to Tim, - Tn + AT is at
its maximum value (NImax) then the window is shifted to position 2' so Iat the same
T 11n.x  corresponds to a smaller value of N (N in) (see Fig.6a where the calibration
curves built for the-elliptic model are showmf. The patching of the two calibration
curves is then performed by plotting the second curve shifted by AN - N *m5 f N- 'B
(Fig.db) (the maximum value of AN is the number of available bits/pixel of the2Z
process, in the subject case AN = 203).
A complete calibration curve is then obtained covering the temperature range of
interest.
The measurement phase needs a reference temperature (Tr ) in the field of view to
recognize a point on the calibration curve. By reading the value of Nit corresponding to
Tr taken at the general window position (I), one is able to selet the proper position
of the calibration curve with respect to the N axis. In fact reading on the calibration
curve the value of N. corresponding to Tr lieows to compute the value of the haift A Nir
- N - Nt.
The poin surface temperature corresponding to the value N is then found by computing
the "corrected" signal Nc given by N, - N + iNIr, entering the calibration curve with
this new value and reading T(Nc).

4.7 Support Software

The Thermographic System is equipped (Ref.10, I1) with a number of routines written in
machine language that allows 1) the management of the thermographic images N(I,J)
(transfer from the Digimem to the Microcomputer, recording/reading on/from the Floppy
Disk etc.), 2) the elaboration and 3) the visualization. These last routines consist in
displaying and printings i) the elements of the matrix N(I,J), ii) the plot of the
thermograph.c signal* along an assigned rw "I' (or column *J'), iii) the Thermograph
signal on colour monitors.
Two graphic routines have been specifically developeds i) to plot the distribution of
the Nusselt number along the preselected row *1" (e.g. along the airfoil chord) and ii)
the Nusselt number footprint on the model surface. It is possible to choose the
visualization and printing of the total Nusselt number or of one of its contributions
(NUie Nul.).

5. RESULTS

5.1 Test IMad*]

Experiments have been performed preliminarly to ensure that the thermograhic
measurements and the proposed procedure were correct. Due to the lack of any
experimental and theoretical/numerical data about the Nusselt number distribution along
the surface of the wing, it was necessary to get data for an elliptic cylinder of axis
ratio 113 for which the Nusselt number distribution was available (Ref.15). The Nusselt
number distributions obtained for am 0, Re m 7.92xl0 4 

and am 1, Re = 7.93x10 4 
are

shown In Fig.7a and Fig.Tb respectively.
The agreement between the 1 results and the ones reported in Ref.15 are qualitatively
good, thus the results that will be shown later can be believed to be reliable.
The discrepancy at the leading and trailing edges at am 0 is probably due to the fact
that the local emissivity coefficient is different from the value adopted in the
computation (- I ); this may elso be due to the effect of the curvature at the edges
that alters the local view angle of the surface observed by the rermograph. This
discrepancy is observed also in the middle part of the wing section (at large angles of
attack). On the other hand the measurements made in Ref.15 (by the steady state method)
do not seem to be very accurate because heat radiation from the model surface and heat
conduction in the model skin have been neglected in the computations. Furthermore
discrete tempoerature measurement points are taken. Finally the assumption of the uniform
heat flux all over the surface (by Joule heating of the skin) seems to be too
optimistic.

5.2 Boundary Layer Development Over Airfoils

The laminar separation bubble is the relevant phenomenon in boundary layer development
past airfoils at low Reynolds numbers.
The separation bubble (FIG.8) is formed when the laminar boundary layer detaches from
the airfoil surface. The bubble is formed by the combined effects of the adverse
pressure gradient, downstream of the poit of minimum pressure, and of the low value of
the Reynolds number. The separated shear layer induces large velocity disturbances in
the flow fields and typically the laminar/turbulent transition always occurs in the
shear layer that subsequently reattaches to the surface (Refs.2, 9).
The laminar separation point is characterized by an abrupt decrease of the value of the
NutSeIt number. The opposite (increase of the Nusselt number) holds for the subsequent
turbulent reattachment. A4 typical plot of the Nusselt number along the airfoil, for the

-Ci-
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Miley airfoil at 4 -0 and Re-1O5 
is shown in Fig.Va the Laminar Separation (LS), the

Transition (T) and the Turbulent Reattachment (TR) points are indicated.
The microvortices, Ins 'ide the bubble, affect the heat transfer coefficiont according to
the flaw regim in the separation %hear layer. When the flow field in the shear layer is
laminor, a decrease of the slope of the Nusselt number curve along the chord has to be
expected, due to the Increase of the boundary layer thickness. A heat transfer recovery
occurs when the flow in the shear layer becomes turbulent. This is probably duo to the
fluid entrainment from the external stream Into the bubble (Ref.2). Therefore the
minimum Yalu@ of the Nusselt number can be taken as an indication of the
laminar/turbulent transition in the shear layer.
Experimental tests have been made to check that the flow is laminar upstream of the
abscissa X/C - 0.25 (otherwise no laminar bubble would exist at the conditions Of
1 1g.9). Turbulence was induced by means of a 1.5 mim diameter tripping wire (placed along
the airfoil span at )C/C - 0.20). The thermographic results (Fig.10a) clearly show how
the Nusselt number behaviour is similar to the one reported in Flg.9 upstream of the
wire and that It is totally different downstream of the wire. Similarly, to prove that
the flow Is turbulent in the downstream region, a wire is located at X/C - 0.75. The
thermographic results (Fig.10b) clearly show that the Nusselt number is similar to the
one of Fig.9 (the points of the plot that correspond to the wire location have no
meaning).
The evaluation of the Nusselt/Stanton number distribution is performed along the airfoil
(the row nui-toer is shown at the top of each plot generated by the computer); the plots
shown refer to the centerline of the model (coinciding with the wind tunnel axis>. The
2-0 hypothesis of the thermofluidynamic flow field can be checked by analyzing Fig.11
that shows the footprint of the Nusselt number of the MILEY airfoil upper surface at a-0
and Re'-10. The picture clearly shows that the Nusselt number profile is practically
constant along the span (2-D flow). On the same picture the position of the row 31,
along which the curves of Fig.? have been evaluated, is shown.

5.3 Discussion and Analysis

Systematic thermographic tests have been performed on the WOftT1MW$ and MILEY airfoils
according to the following conditionsi

WORTMPW4
Re _ 6x10

4
j a0- 0, 3, 6, 9, 12, 15, 19

MILEY
Re - 7x10

4
: a - 0, 3, 7, 10, 13, 15, 17, t9, 21

Re - 10, -q,-3, 0, 3, 7, 10, 13, 15, 17,19, 23

The position of the laminar separation, of the turbulent reattachment and of the
transition in the shear layer are compared with those reported in Refs.7 and 4 and are
summarized in Figs.12, t3, I4.
In general the agreement with previous results can be considered satisfactory, in view
of the high instability of the boundary layer at low Reynolds numbers and to the fact
that previous data have been obtained by intrusive techniques.
Results for the WORTeWt airfoil agree with other data particularly for the transition
and the turbulent rattachment points. The only significant disagreements are found at

a 3 and a- 12 for the laminar separation points position.
Thermographic results for the MILEY airfoil show an agreemnt for the points of laminar
separation. The comparison of the turbulent reattachment points is difficult because
only few experimental data are regorted In Ref.4 (turbulent reattachments have been
detected only at a- 21, Re - 0 ad tr ah- -9, -3, 19, Re - l05). On the contrary
the Nusselt number plots seem to reveal the presence of a turbuler reattachent and
also the existence of a laminar separation bubble at all the angles of attack.
The Nusselt number distributions at a- 21, Re - x0

4 
(Fig.15) clearly show a leading

edge stall: the distribution of the Nussolt number is constant along the chord (this
value Is about the minimum value attained at different angles of attack at the same
Reynolds number).
Non typical tusselt number profile* at a-17 and a-19 for Re-7X10

4 
art shown in

Ftg.16ab. They, show a 'packet" (between X/C - 0.20 and X/C - 0.45), following the
laminar separation bubble, that might prove the existence of a complex separation zone.
This phenomenon dots not appear in the Nuselt number profiles obtained for the same
airfoil at the same Reynolds number and at smaller angles of attack (see Fig.17 on which
the Nusselt distribution at a - 15 and Re - 7xp0

4  
is shown).

6. CONCLUDING REPIAIS

The high instability of the boundary layer at very low Reynolds number flow makes it
very difficult to perform accurate and repeatable measurements by using conventional,
intrusive methods. 6
The unsteady, computerized, thrmographic roht'd has proved to .be a powerful,
non-intrusive diagnostic technique able to measure local values of the Nusselt number
over wings. The dependence of the convective heat transfer coefficient, (I.&.
Nusselt/Stanton nu b e) upon the flow regimes (aminar/turbulent) and upon the flow
conditions (attached or separated flow) makes this technique able to analyze the
boundary layer development in complex fluidynamic conditions. In the present work the
method has been specifically used to d laminar separation bubbles (position and
length) at low Reynolds number (Re .10 A qualitative agreement was found with other

-lIad*l1 o telmnrsprtinpit oiin
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data reported in the literature obtained by other experimental techniques (pressure tap
models, smoke wires).
The position ofi the Isminar separation, of the transition, and of the turbulent
reattachment, obtained by the Nusselt number distribution analysis for the WORTtMWN and
for the MILEY airfoil suggest that the typical phenomenology takes place in the laminar
separation bubbles by increasing the angle of attack the separation point shifts forward
and the bubble length decreases.
Further research activities on this subject will involve the analysis of the boundary
layer In 3-D flow fields (finite wings), which still today is a critical matter in
experimental aerodynamics, however the proposed method is Immediately applicable to 3-D
flows. Work Is in progress to improve the heating technique in order to realize the
desired temperature distribution and to operate in a closed test chamber wind tunnel.
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Fig. 1 - Model wall coordinate system
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Fig. 2 - Geometrical scheme to compute the curvilinear
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a-b

Fig. 4 -Experimental equipment
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warm air over theiexternal surface of the model (second procedure)
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Fig. 11 -Footprint of the NUSSelt number on the upe
surface of the Miley airfoil at a =0 and Re- 0pe
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Fig. 13 -Comparison of the abscissas of the laminar separation,
transition and turbulent reattachment points over the Miley air-
foil at Re *7x,04
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Wind tunnel test data accuracy requirements for transport aircraft are derived. Airline performance
guarantees, model and tunnel test techniques available and the quality of prediction methods used form
the concept for wind tunnel test progrmms and set accuracy requirements for test data. The paper de-
scribes procedures we followed in high speed cruise and low speed take-off and landing. The accuracy of
wind tunnel tests is limited by several parameters. the most important being flow quality, model and model
suspension quality and balance accuracy. Problems which occured during our tests with small models in the
transonic regime led us to new test concepts presented in the present paper: The use of large models on
a specific suspension with a range-limited balance and the improvement of small model test techniques in
connection with the requirements for measurements in cryogenic facilities.

Low speed tests are amitious and extensive due to the many configurations at take-off and landing.
Furthermore, the work is complicated by the many details like closing plates and shutters, which can have
a strong effects on the performance data. Some examples are presented in the report.

1. INTRODUCTION

The development of transport aircraft sets specific requirements for wind tunnels and therefore the
design of such facilities must take into consideration fairly different test scenarios compared to those
of fighter aircraft and missiles. Som differences regarding magnitude and variety of test requirements

which users have for new wind tunnels are presented in FIG. 1. It contains an outline from test scenarios
of a modern future transonic facility, the European Transonic Wind Tunnel (ETW). Its design began with
dispute about size and shape of the test section: For tests of fighter aircraft models a large rang of
incidence is essential to measure extreme flight manoeuvres. Furthermore, as wing span is relatively smell
on the other hand, with large span wings are tested in a smaller range of incidence at cruise conditions
and hence horizontal-rectangle test sections are required for model scale as large as possible to provide
high Reynolds number measurements.

Tpcldifferences between test programmes of transport and fighter aircraft can be specified.

TasotAirplanes: Very precise aerodynamic data of few aircraft configurations in a limited range
of Mach number, angle of attack and sideslip.

Fighter Aircraft: Less precise data but 'or many configurations in a large range of M, & and S. Hence
the min comonents of the test facility like model suspension and balance have to be designed for the
specific test scenarios, i.e. for fighter aircraft to account for high flexibility with respect to model
position in the tunnel and test range, for transport airplanes to design for limited positions and test
range but higher data accuracy.

In a stiff cometition of aircraft manufacturers the degree of test accuracy necessary for transports
is dictated by increasing requirements of the airlinas for performance guarantees. There is a demand for
continuously improved aircraft performance standard connected with more and more closer tolerance limits
for the guarantees. Regarding aerodynamics this process leeds to a more and more advanced design of the
wing, which dominates the performance level of the total transport aircraft. As performance prediction
based on theory and experiment today can be done only with limited accuracy, improvements are needed to
lower the development risk.

On the theoretical side rapid computer development is partially promoted by aerodynamic requirements
i.e. solving Xavier-Stokes equations in complex 3 D flow around aircraft shapes, but purely theoretical
methods fail to supply Ums preni6LIor accuracy 'rejuired. The wind tunnel delivers the most accurate simu-
lation of the flow field around an airliner and it is in the wind tunnel where the data basis for per-
formance guarantee evaluation is produced. The main uncertainty for this task at present is the Reynolds
number ga between wind tunnel and flight, this gap is being fairly closed by the cryogenic facilities.
However, it is not to be expected that the pure occurance of this new technology already delivers
accurate full scale airplane performance data. Extensive experience which started with the NTF in thp USA
continuing in the ONERA T 2 (0.4 x 0.4 in

2 . transonic) and in the OFVR KKK~ (2.4 x 2.4 M2, low Speed) in
Europe is necessary for successful utilization of the high Reynolds number capability of cryogenic
tunnels.

One major problem is the balance accuracy which in those tunnels is connected with large temerature
difference acting on the strainguages of the internal balance comonents. Another problem is the magi-

~'1tude and variety of requirements due to different projects and tastprograms. The experience in the Air-
bsProgrammes led us to a model and test Concept which Includes the use of several European wind tunnels

in a coordinated task. In the transonic regime these are: ARA Bedford (2.74 x 2.4 in
2) end NLR-14ST

TI
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(2.0 x 1.6 m2) for Reynolds numbers refered to MAC between 2.5 and 3.5 millions and ONERA Si MA (8 m dia-
meter) for Reynolds numbers between S and 8 millions.

Regarding future transonic facilities, cryogenic or others, the present experience with the tunnels
is a basis for tunnel design. Moreover, a preview of future aircraft technology as well as model and test
techniques is needed for successfull operation of new wind tunnels. This demands close cooperation of
users and tunnel operators as will be discussed in the present paper.

In the low speed regime CLnwx for landing and L/D for take-off are the important performance data,
and for twin engine aircraft second segment climb performance dominates the weight an airliner can lift
from ground. Nigh data accuracy is needed here, too, for performance guarantees and predictions as will
be presented in chapter 3. One major problem occurs from the complexity of low speed models due to the
many movable parts in different geometrical positions and from our experience, even small details like
closing plates or shutters of slots and gaps can have a strong effect on aircraft performance data.

In low speed as in high speed the required test accuracy influences the main components of the facil-
ity like stings and balances to be designed and available for efficient tunnel operation. The use of suit-
able components like the right suspension and balance shortens the wind tunnel programme and saves
time and money.

2. WIND TUNNEL TESTS IN THE TRANSONIC REGIME

2.1 Present status of testing commercial A/C-configurations

Aircraft development in wind tunnels is generally focussed on two project tasks:

a New aircraft design which for a family like Airbus normally concentrates on a new wing design
a Improvement of existing aircraft with respect to aerodynamic performance.

Both include two targets to be followed by aerodynamicists: Configuration improvement for best air-
craft layout, which needs several steps of optimization and validation of aerodynamic data to determine
the aircraft performance figures, mainly L/o and buffet onset.

For the first project task "New A/C Design" we use different methods to reach performance predictions

as accurate as possible for the aircraft:

9 A "Direct Scaling Method" based purely on wind tunnel tests with models of the new design.

a A "Reference Method" based on mdel tests of the new design and model tests of the "Reference Aircraft"
(e.g. A 300 as reference for A 310 development) with the additions) knowledge of the reference airpla-
nes flight test data.

Both methods together form the basis to predict aircraft performance as accurate as possible setting
requirements for the accuracy of wind tunnel test results to be achieved. If we take into account the
limits in data evaluation of the procedure, a repeatability better than 0.5 % of airplane cruise drag must
be reached in the wind tunnel. This requirement stands for short term repeatability including operations
Slike model dismounting and mounting again and for airplanes like Airbus means that the wind tunnel test
data most fall inside a data band of I to 1.5 drag counts. For a complete aircraft test programme, in ge-
neral extending over 3 to 4 years, the long term repeatability for reference tests in one tunnel with mo-
del disassembled and assembled again, should be in a band of 2 to 3 drag counts.

In the second project task "Aircraft Improvement" the design optimization is tested by model changes
against the reference model. As the geometrical changes of the model and the corresponding drag improve-
ments normally are small, short term repeatability should be in the range of 1 drag count and the balance
must allow sufficient resolution inside this repeatability range. Moreover, Reynolds numbers as high as
possible and strong requirements for model geometry precision are essential. This leads to a preference
of large models.

Our experience is that in an airplane family programme even like Airbus with many new members pro-
duct improvements cover a large part of the wind tunnel work and, as those tests set strongest require-
ments for repeatability of test results in the tunnel, they will be described in the next chapters.

One task was the modification of the A 300 trailing edge, sketched in FIG. 2. The inboard part of
the wing behind the rear spar was affected including the allspeed aileron. Rear camber of the model was
increased by deflecting the flap by 3" and the tap against the flap by further 2. The aileron was de-
flected into mid position between inboard and outboard wing area to smoothen the surface. The effect of
these changes on lift and drag curves Is given in FIG. 3 and resulting buffet boundary as well as L/D-im-
provements are shown in FIG. 4. The modifications were introduced into A 300-600 and the performance gains
were demonstrated during flight tests together with some other improvements resulting in 10 % more passen-
gers and 15 % more range of the A 300-600 compared to the A 300.

For a more recent design the task was again to investigate the effect of t.e. moifications on per-
formance data, and FIG. 5 shows sketches of the outboard wing model change. The most interesting effect

on drag is presented in FIG. 6, once more a promising result. However, the very small geometrical change
- on the model of 1.2 m span the deviation of the trailing edge was 0.8 m - made a precise aerodynamic
result questionable and indeed repeatability tests showed large scatter. FIG. 7 contains the results
and a description of test repeating procedure. No conclusion can be draw about the efficincy to" out-
board flap camer is Increased. It is well known that the NLR-HST gives good repeatability, but the large
scatter of data forced us to look for improved procedures for such verification tests. We went into two
directions:

- " .. ,,. I
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- Use of a big model with a special suspension in the OIERA S IMA
- Improve of mall model test technique in the NLR-HST.

The latter task was important to provide model test techniques for the cryo ic facilities KKK
(Kryo Kamal Kdln) and ETh (European Transonic Mind Tunnel). where models of sIlr smell size will be
tested which moed een higher accuracy cmpared to models in conventional tunnels.

2.2 Laege model tests in the transonic regime

After the experience with mall model measurements we had to change and improve the test concept,
and this we did using
- high Reynolds number testing in the wind tunnel to eliminate misleading flow effects as far as possible

- a large and very precise model which allows the realization of small configuration changes with high
accuracy

- a precise balance with design load ranges harmonized with the important cruise test conditions

- a novel suspension system with minimn interference effects.

A visual impression of the resulting test arrangement is shown in FIG. 8, a big model in the wind
tunnel ONERA $1 MA using a "false" fin as part of the rear sting mounting. FIG. 9 gives the major changes

*comparing the small model with the large model tests. The large model was carefully designed for long term
accuracy with model dismounting and mounting again and was manufactured with high precision. Due to the
large model scale special modification like the trailing edge droop could be manufactured very precisely
and disturbances from the suspension - especially on the lower rear fuselage - were nearly eliminated.
This area should be clean for correct tests of fuselage/tal Interference. But also drag measurements of
wing/fuselage configurations can be strongly affected by sting mounting as the rear part with its upsweep
considerably contributes to the total drag. Of course, with the new model mounting, the test range was
limited to zero or very small yaw angles and to lift conditions up to buffet onset only. The balance was
adapted to this limited test range. Despite the low natural frequency of this model/sting arrangement of
about 1 Hz the model behaviour was stable in the entire transonic test range. FIG. 10 presents the high
quality of the test results. The repeatability was within 1 drag count including reference tests after
one year. The model was tested in 1984, dismounted and mounted again in 1985 for a second test campaign.
The trailing edge modification was tested two times without showing scatter of the test data and the re-
sults plotted in FIG. 7 for comparison demonstrated that this t.e. modification did not improve L/D at
cruise conditions.

The example shows that user and operator of wind tunnels should work closely together to achieveI etter accuracy from specific tests. In our case main steps of the cooperation were:

a Definition of Accuracy Requirements and Test Programme - 1BB Activity
This was based on guarantees required for the customers, experience about accuracy achievable with the
test arrangement and failures connected with the method to predict aircraft drag from wind tunnel measu-
rements.

a Model Design and Manufacture - MBB Activity
Methods for design and manufacture of the models were developed to guarantee for accurate repeated tests
even after disassembly and reassembly of model parts. Accuracy control was performed on TIC milling
machines.

a Model Suspension Design and Manufacture - ONERA/MBB Joint Activity

A special suspension with low aerodynamic interference was designed and manufactured. The new concept
required limitations in normal force and pitching moment to values up to buffet onset. Very small side
forces were allowed.

a Balance Design and Manufacture - ONERA Activity

The balance was adapted to the limited test range which resulted in high sensitivity and accuracy in
the cruise range

a Wind Tunnel Quality and Data Acquisition - ONERA Activity

Considerable improvements of flow quality and tunnel corrections ware achieved in the S MA tunnel and
a highly efficient data acquisition and data management system was introduced.

The successful cooperation encouraged us to transfer the proven techniques to wind tunnels of smaller
test section.

2.3 Small model tests in the transonic regime

It is important to improve test accuracy in this field to reach more flexibility in wind tunnel pro-
gr s in existing tunnels and to gain experience for the cryogenic facilities. Therefore we initiated
a coined action: Improve small scale model transonic testing in the NLR-HST and prepare tests in the
KKK cryogenic low speed tunnel.

The Model

Working successfully now in his basic fwnctions the KKK In Cologne after calibration tests are fin-
1!PLished will be ready for transport aircraft measurements. we are preparing ant Airbus A 310 model to be

tested there in 198. The size of the test section (2.4 x 2.4 in) limits the span of the model to 1.5 m.

_77 _
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The saw model can be used later for the ET. The NLR-HST allows only models up to 1.3 m span. This
corresponds to an Airbus model scale of about 1 * 30 for the cryogenic tunnels and 1 . 36 for the NLR-HST.
The experience described under 2.1 was that for this size the present model accuracy was not sufficient
and for cryogenic models the requirements must be raised even more. FIG. 11 shows the actual status of
model accuracy produced on NC machines and refinished if necessary. The accuracy control is done on Zeiss
as well as on S0 measuring machines. This standard we aim to improve by a factor of 6 for surface rough-
ness and by 2 for accuracy. A further prerequisite for precise testing is a suitable model design using
the optimum material. For accurate drag measurements we have to manufacture a one piece model wing without
pressure holes. The material for the cryogenic model will be maraging steel DIN WL 1.6359 comparable to
US maraging steel 18 Ni 250. Provisions have to be made to control the actual shape of the model wing
under Toads and another improvement Is the application of adaptive walls which allow larger models as well
as more accurate flow field simulation. Both techniques are being provided by the NLR and the DFVLR.

Model Support

For more accurate drag measurements we have to learn from the experience made during the ONERA tests
described under chapter 2.2. The NLR has designed and BB manufactured the new suspension and tests with
an MBS model are running and will be finished within this year. FIG. 12 shows the model/support arrange-
ment using a "false" fin like the suspension in ONERA Sl MA. This type of sting designed in connection
with special materials has the real fin root section profile and size but the taper is adverse compared
to the actual aircraft fin. We assume it can be advantageous also in cryogenic wind tunnels. Of course,
tests with yaw angles and in the regime of flow separation i.e. buffet measurements have to be made with
a different suspension.

Balance

As in the ONERA S1 the balance in the NLR-HST was adapted for aircraft cruise range load conditions
and, furthermore, was limited due to the suspension allowing only very small side slip angles of the mo-
del. In cryogenic facilities the balance must fulfill the most challenging requirements and therefore a
strong limitation of the test range can be extremly helpful. 18 Transport Division and the Technical Uni-
versity of Darmstadt are working on a cryogenic balance for the ETW under government contract and it is
intended to test the balance in the KKK during the 1B test campaign in autumn 1988. An extensive descrip-
tion of the work done so far on the balance is presented in Reference (1] , [21

3. WIND TUNNEL TESTS IN THE LOW SPEED REGIME

3.1 Requirements for accuracy of test data at take-off and landing

In low speed CLn,, for landing and LI0 for take-off are the dominant performance parameters. They have
to be designed and evaluated precisely and high data accuracy is needed to validate and fulfill the per-
formance targets like for take-off and landing field length.

One accuracy problem occurs from the complex low speed models with many movable parts in several geo-
metrical positions, and although during aircraft development much emphasis is put on the high speed
design, the low speed work like wing movable parts layout including engine interference effects is very
ambitious and laborious.

The measure for test accuracy in high speed was the order of 1 drag count, as for planes like Airbus
2.5 to 3 counts correspond to 1 percent of aircraft drag. In low speed 10 to 20 counts correspond to I
percent of drag at take-off depending on flap extention and take-off speed. As 1 % drag is equivalent to
1 % take-off field length respectively 0.5 % weight - in the case of A 310 corresponding to 7 passengers -
the eerodynamic data in wind tunnels must be tested in a tolerance range of the order of S drag counts.
Concerning repeatability this target is high because of the many wing shapes, well defined and repre-
senting different positions of movable surfaces, the effect of small fitting and closing parts on aerody-
namic performance data is rather strong, generally for both, drag at take-off and lift at landing.
Regarding the accuracy for CLrwx tests 1 % is the order of CL = 0.03 and expressed in aircraft landing
performance values corresponds to about 0.5 % approach speed, which in case of Airbus is about 0.7 kts.
Assuming that 1 to 2 kts difference in approach speed are less important deviations we have to make sure
that prediction of CLmox data are correct inside a tolerance range of about ± 1.5 %. With the help of mo-
dern facilities like DMW, ONERA Fl, RAE S m and Eamen Tunnel in Switzerland this target is not critical
but the influence of small model details mist be considered as described in the following chapter.

3.2 Effect of A/C component details on performance

During low speed wing development much work is being done to carefully design the flap and slat con-
tours and all the gaps and slots, but when the wind tunnel model is manufactured some "minor details* are
simplified or sometimes even forgotten.

FIG. 13 shows details around a slat track at the wing leading edge. A cut out was closed above all
the twelve tracks for one test and for another one only the four tracks of the inboard slat were
shuttered. The loss in CLmx TO- is with 0.03 not penalizing, however, the increase in drag on the next
FIG. 14 of about 20 counts at take-off conditions is not acceptable. On the next FIG. 15 the landing data
are presented with considerable changes in maximum lift - a loss of A CL - 0.27 was measured - and corres-
ponding changes in pitching moment. The reduction of nearly 10 % in CLmax has several impacts on the
design work. At first the sensitive area has to be optimized, which generally is a laborious task between
the eerodynamic and the structural design. Furthermore, during the aerodynamic design process the shutters
must be defined extremely accurate to assure high repeatability from one model test to another as well
as from test with different models. This is also important for cooperating work emong partners in a shared S
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wind tunnel programme. where models with different tasks must deliver equal aerodynamic data for the same
geometry specified. Often the discrepancy of test results with models of sam specific geometry finds its
reason in such details not being designed or attached carefully enough.

The effect of another detail is shown in FIG. 16 the area of slat/pylon interaction. The gap between
inboard slat and pylon -1 m in model scale - was tested sealed and unsealed. The loss in maximum lift
was small with Cm = 0.02, but again the drag increment with 25 counts, which is equivalent to 2 %
of aircraft drag atske-off, was unexpected high without sealing. The gap had to be on the aircraft and
regarding the aerodynamic design and wind tunnel work we can conclude as in the example before: The models
must be really comparable in the detail slat/pylon gap sealing.

A further experience can be taken from tests with KrUger leading edge devices, which replaced the
slat at the inboard portion of the wing between pylon and fuselage. The sketch in FIG. 17 shows the small
difference in KrUger flap connection to the clean wing leading edge resulting in a discrepancy of maximum
lift of ACL - 0.03. which is 1 % of A/C maximum lift.

The last example is taken from experimental data we produced during trailing edge flap design, and
CLrox depending on flap position is presented in FIG. 18. Parameters were the gap between fixed wing
trailing edge and flap and the overlap. Best CLmax was found for negative overlap showing the flap in a
position behind the shroud, and, as more the flap is shifted forward as lower drops the CLmax On the
other hand the higher CLnox is much stronger depending on the gap size between shroud and flap. In the
case tested and shown here the reduction is 8 % CLmox between 2 % and 2.5 % gap. For positive overlap of
+ 1 % the reduction is shifted to values between 3 % and 3.5 % gap and counts for 3 %. We must consider
that the flap on the aircraft is deformed under loads and even careful estimates of the real aircraft flap
position with respect to gaps and overlaps results in tolerance range of the order of I %. Hence, a start-
ing point for design might be a gap of 2 % with 0.5 % to 1 5 overlap.

The complete low speed wing design is as the examples above show, a labourious work where the funda-
mental part is the layout of the flaps and slats. Designing an efficient aircraft flap system is an
ambitious task with respect to theoretical methods being used and wind tunnel test programmes to be con-
ducted. The aerodynamic team must do a creative design and seriously prove and confirm it in the wind
tunnel. Furthermore, the team has to establish prediction methods to estimate the aircraft performance
with a high degree of confidence. Both, the creative and efficient design of the aircraft components and
a serious and precise prediction of their performance is of equal importance. Performance prediction in
low speed looks difficult due to the complex configurations and due to strong effects of component de-
tails, as described above. Nevertheless, the methods we use (Reference [3) ) - established during Airbus
A 300, A 310, A 320 development and flight tests - allow predictions of high accuracy. One example for
the A 310 is shown in FIG. 19. The L/D flight test results at take-off and landing are compared with drag
estimates based on 0MW and RAE 5 m wind tunnel measurements scaled for symmetrical drag with our method.
The prediction was good for take-off and landing as well with the RAE results coming into a scatter band
of + 1 % of aircraft compared with the flight test results. The DNW results were generally more pessimis-
tic for prediction of take-off performance.
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REQUIJRMNTS AND CAPADJL MSIN
UNSTEADY WINDTUNNELTESING

by

R.D. den Boer, Rilouwink", RJiwaan*-
NaionWl Aerospce Laboratores

P.O. Box 90502,1006 BM Anmerdam
The Netheriands

1. INRODUCTION

A.roelasticlaus are qualitata qua occupied in aerodynamics and unsteady aerodynmics In particular.
Consequently the accuracy in unsteady windtunnel testing should be a matter of concern to them. This is
the incentive for the present paper.
The concern however Is less evident to "erodynemicists who occupy themselves with steady flow problems.
without an explanation of how the aeroelstclann aks use of their aerodynamics. The subject of this
paper is therefore twofold: first the accuracy required for aeroelastic applications concerning full-scale
aircraft will be discussed, after which the accuracy in current unsteady windtunnel testing is considered.

2. AERODYMICS IN AEROELASTIC PROBILES

2.1 Survey of aeroalastic problems
The aerodynmaics needed by the aeroslasticiann is usually divided into the categories of steady and

unsteady aerodynamics. The first category concerns the steady-state deflections of aircraft structures and
is involved in problems like:
" lifting surface divergence
" control surface effectiveness,
while the second category concerns oscillatory and non-oscillatory motions of the complete aircraft or
parts of it. and plays a role in problems like:
" Aircraft stability
S Flow- induced oscillations (flutter. vortex excitation. etc.)
" buffeting

g gust encounters
• non-unlform inflow of rotors (helicopters. propellers)

R Rapid deflections of control surfaces and spoilers.
The category of unsteady aerodynamics is the issue here and in the following all attention will be dir-
ected to it.
Considering modern computer methods to simulate the flow about the moving aircraft structure, Impressive
progress has been and is being made in predicting unsteady pressures and aerodynamic forces. Nevertheless,
consensus of opinion exists that unsteady windtunnel testing remains necessary for quite so" time, if not
for all time. This testing is needed to improve the knowledge of the flow mechanism, to develop and vali-
date coaputational and empirical methods, or simply to obtain experimental data for aircraft config-
urations and flow conditions which are too complicated to be simulated by computational methods with suf-
ficient accuracy.

2.2 How do unsteady aerodynamics appear in aeroelastic problems?
The interast of the seroelsaticlan Is directed mainly to the response of the aircraft structure to

control surface deflection., gust encounters, etc. The question then is almost invariably what level of
accelerations and dynamic loads in the vibrating aircraft structure will be attained, and whether this

* level will increase possibly due to a decreasing stability of the vibrations at higher flight speeds.
How the unsteady aerodynamics come into the picture is explained here briefly by considering the equations
of motion which describe in a general sense the aeroelastic pheno"ns mentioned before. The motion 9(4t)
is utually written as the sumation of natural vibration modes 0 (x) of the aircraft structure. symbolized
by: r(,,t) - EI( I)q(t), in which qi(t) Is a generalized coordste Indicating the contribution of the

i
i-th vibration mode to the response. This procedure enables the formulation of an equation of motion for
each vibration mode. which reflects the interaction of structural and aerodynamic forces involved in that
mode. For the present discussion all equations of motion ere combined in one matrix equation:

4 C4 +Kq + A(q) -A(t)

in which:
N - inertial matrix
C - damping matrix

stiffness matrix
A- - motion-dependent aerodynamic matrix
A - sotion-independent aerodynamic matrix

The equations of motion are usually derived by applying sofe energy consid*iation, lAke Hamilton's princi-
ple or Lingrangs's equation. This implies that each element by the matrix A . e.g. A ii, rvreaets the
work performed by the aerodynamic load distribution generated by vibration mode J, p J. by a
displacement in the direction of vibration node i, both modes normalized to unit amplitudo:

AN X + I

in which n is the unit normal of the aircraft surface.
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The elemte AI are defined in the some way:
DA I p n . dS.

S
The explanation of these so-called generalized aerodynamic forces leads to some general conclusions on
their accuracy. Iefirnce is made to Fig. I where It is shown as an example how the generalized
aerodynamic force A for a swept wing In subsonic flow results from a benring-type vibration mode I and
a torsion-type mode P First: it is clear that the major contributions to A originate from those parts
of the wing where both the aerodynamic loads and the wing deflections are laigs. This makes e.g. the outer
pert of the wing to a sensitive area in most aeroelastic problems. Second: as drag forces and etreamuise
wing deflections are relatively small. their contribution in often neglected, which clarifies the relative
Indifference of seroeloaticians to drag forceal

2.3 Representation of unsteadinses

In the previous section it was discussed that the pressure distributions pm (t) and pD(t) depend on
time, which means that they are influenced by the unsteadiness of the aircraft mition and the free-stream
flow motions, respectively. Considering aircraft motions e.g. this unsteadiness may range from low fre-
quencies, associated with aircraft stability and controllability, to moderate and high frequencies, asso-
ciated with wing vibrations, control surface oscillations, etc. In unsteady windtunnel testing the un-
steadiness is usually introduced by forcing the model into se harmonic oscillation, e.g. of the angle of
attack:

n - 0. + An cooS t.

in which a is the man angle of attack, Au the vibration amplitude and w the radial frequency. The aero-
dynamic reiction, e.g. the pressure in any point of the model surface, may be formulated in various ways:

p - pa + (Pr cos wt - pa sin wt) An + higher harmonics

- P. + 1P.1 cos (wt + v) Ac + higher harmonics,
or in usual complex notation:

p - p. + Re ((p' + ip.') *'wt) A

The first term, p . is the zeroth order harmonic and the second term the first order harmonic, which is
explained in Fig. 2. Similar expressions can be given for lift and moment coefficients, etc. The unsteady
aerodynamic parameter which governs the first order harmonic is the reduced frequency:

k - wL/U,
in which I is a reference length (e.g. semi-chord of a typical wing section) and U the-free-strea velo-
city. The reduced frequency (and not the frequency w itself) is an essential parameter which should be
considered in unsteady windtunnel testing to guarantee a proper representation of time-dependency. The
physical relevance of this parameter is typified by Fig. 3. The variation of bound vorricity at the wing
induced by the incidence variations Ao are accompanied by wave-like variations of free vorticity in the
wake. The parameter k is proportional to the ratio of semi-chord and wave length, i/L. For non-oscillatory
motions the unsteadiness is given (again in the case of angle of attack variations) by combinations of a
and da/dt.

2.4 Accuracy of full-scale unsteady aerodynamic forces in relation to other forces.
The accuracy of unsteady aerodynamic forces pursued in the prediction of full-scale aeroelastic char-

acteristics, should be tuned to the indended employment of these forces. If used in full-scale predic-
tions, they should be adjusted to the attainable accuracy of inertial, damping and stiffness forces as
represented in the previous matrix equation of notion. Som light upon the required accuracy might be shed
by the following table with - it should be granted - rather intuitive values.

Force Order Accuracy Remarks

MQ.Kq I > ± 0.05 calculated, or measured in prototype GOT

C4 0.05 > t 0.01 not known before prototype GOT

A(q) 0.20 ? depending on accuracy of aerodynamic loads
and vibration modes

The numbers show that the required accuracy of the generalized aerodynamic loads Is largely dictated by
the attainable accuracy of inertial and stiffness forces, and that the erro- in aerodynamic forces might
mount to ± 25 per cent.
To the steady aerodynamicist this required error estimate might look surprising large. He should realize
however that the unsteady aerodynamic forces do not contribute to the aircraft performance characteris-
tics, but that In many cases they are needed for demonstration that certain limits (flutter boundaries,
load levels, ate.) are not exceeded. If predicted values are wall away from these limits, the allowable
errors my even be larger. If predictions point to critical situations, other measures (modify mass and/or
stiffness distribution, add damping, etc.) may he preferred over a more accurate determination of the
aerodynamic forcs
Although the accuracy margin given above looks very comfortable to live with in unsteady windtunnel
testing, stern reality learns that the margin can be absorbed very easily by various simulation related
ineccurarles like differences between model and full-scale effects concerning Reynolds number, vibration. ;/.; i;

" 
imodes and static deformsation.

When the aerodynamics are needed for aircraft stability and control derivatives, the situation is somewhat
different. The steady derivatives can be obtained from steady windtunel tests. Generally a rather high
accuracy is required, which can also be provided, say ± 5 per cent error. The required accuracy of rate
derivatives, however, is Influenced by the accuracy of the aircraft moments of inertia, so that the error
In the" derivetives might he 20 per cent.

, 4' ll I lli
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Without clinging too mach to the numbers given above, it is recomendable to keep a balanced eye on the
realizble accuracies during nteady windtummel testing.

3. ACCURMlS IN UNSTUY WIlTMTL TEr

3.1 Types of uaateedy vi4ituanel tests
An excellent survey of unsteady wiadtumel testing techniques was presented by Lambourne (Ref.1),

from which figure 4 bae ben taken. Four categories of experimental systems are indicated which can be
related to the foUwing tes distinctiont:
a. F vs. i eda The unsteady aerodynamic input may come from mom controlled guat field which

is Ipoed o o the n flovp from local unsteadinees as In buffeting, or fro model motion,
whether driven or not. as in flutter.

b. igid 3. ! ¢2 € model. Rigid seans always nominally rigid. a static and dynamic model defor-
utionse ca neve be exclded i practice.

C. Aer1dynmic- (diret) vs. re ss (Indirect) messurement. Measuring aerodynamic forces and pressures
at given model otion is a direct way, measuring the response of the model and reducing it to aerody-
nsic quantities is an indirect way as the response results not only from aerodynamic forces, but
also from inertial, stiffness sad damping forces in the model structure. Typical examples of direct
measurements are tests with aerodynamic pressures and loads models, while tests with a flutter model
belong to the class of indirect maasuremnts. With these three types of measurements the discussion

will be continued in the next section. Figure 4 suggests the use of a full-span model, but often

semispen models are being used to alleviate the problem of Installing the support and excitation
mechenism in the test section without too much interference with the flow.

3.2 Survey of major error sources
In figure 5 an attempt is mede to summarise the major error sources in procedures to predict full-

scale aircraft aorolastic characteristics, which make use of dynamic windtunnel testing to a greater or

less extent. In measurements with a pressures model (whether moving or not) pressures are measured and
Integrated numrlcally to obtain forces and imts. An improper choice of umber and location of pressure
orifices and failing of then are important error sources. This situation is essentially the same for

steady tests but might be more serious in the unsteady case. as will be pointed out in a following sec-
tion.

Concerning the flow, the Reynolds number is often not scaled properly, which might deteriorate a cor-

rect simulation of viscous effects on unsteady aerodynamic characteristics. Also unobserved static deflec-
tion might have a negative effect, although the vibration mode my have been measured correctly. Finally,
existing correction methods for unsteady tunnel wall interference are only crude.

Sometimes the pressure measurement technique gives rise to lack of accuracy, mainly associated with fail-
Ing of model Instrumentation due to sensitivity to dynamic loading. Unsteady pressures and loads models
may be scaled down from complete aircraft or from parts of then to more or less simplified geometries. The
experimental data has to be combined than with calculations to enable full-scale predictions. In many
cases this involves verification of the theoretical methods as an intermediate step after which the
methods are used for full-scale predictions. In other cases the experimental data are applied in
emi-emptrical methods, which ere essentially means for extrapolation of the data to full-scale.

In meaurements with a loads model forces and moments are measured instead of pressures. In this case not

only Irodynmic but also inertial forces are being measured so that a compensation procedure has to be
applied during or after the measurement to extract the aerodynamic forces. As the inertial forces are

usually dominating, it is clear that the accuracy of the aerodynamic quantities depends heavily on the

precision of the compenstion procedure. Application of this procedure is relatively simple if the model

may be considered as rigid - like in stability derivative measurements - as then the compensation proce-

dure involves only the subtraction of Inertial contributions due to translatory and rotatory model
notions. If an seroelestic model is being used moat effort has to be put into the proper design.
fabrication and calibration of the model. The dynamic similarity of the model (scaling of natural

frequencies, vibration modes, etc.) determines highly the quality of the full-scale prediction. and could

form an isportant error source. The discussion of this subject is not considered to lie within the scope

of this paper. The translation of measured responses into full-scale prediction should be relatively
siaple now. The error sources mentioned so far which have specific impact on unsteady vindtunnel testing
will be diecussed later on in more detail. There are of course various other error sources, Involved e.g.
in the deter ination of vibrational characteristics of the aircraft etructure and the extrapolation of
windtunnel results to full-scale predictions. They are considered beyond the scope of this paper and their

discussion is not pursued here any further. In addition to the above techniques, which are concerned

directly with model surface loads, also flow visualisation and laser velocimetry techniques can be applied
to determine other unsteady flow properties. The information obtained increases the understanding of

unsteady flow, and is particularly valuable for computer code development and validation. However, because
it is difficult to quantify the accuracy of these techniques and its influence on the accuracy of unsteady
4irload predictions, these techniques are not considered in the present paper.

3.3 Relation with accuracy in steady windtunnel testing
A fairly reliable indication about the accuracy of unsteady test results can be obtained from the

accuracy of me. sured aerodynamic derivatives (pressures, forces), often defined by seoelAsticiana as

quasi-steady quantities. (Strictly speaking quasi-steady quantities are unsteady quantities for vanishing

reduced frequency value, end differ from derivatives in case of nonliner aerodynamic characteristics (see
Ref.2). In figure 6 an example is presented of chorduise pressure distributions for the aupercritical
airfoil NLR 7301, given in reference 2, and derived from the investigations of Tijdeman (Ref.3) in which
he consequently compared quasi-steady and unsteady data. Two observations are notable:

A. The quasi-steady and unsteady pressure distributions are very smillar;
b. Both distributions show a strong peak at the shock position, the so-called shock peak, corresponding

to the trajectory of the moving shock. The consequence is that a failing pressure point In the shock
trajectory of steady lift and moment, but that this could be disastrous for the accuracy of quasi-

V -steady and unsteady lift and moment. In the worst case the peak sight remain unobserved.

• 'J 7 :3.4 Test setup
For the measurement of unsteady airloads two- and three-dimensional test setups are being used. In

aetolseticity the airloads on two-im inal wings due to heaving and pitching oscillations are oftenj Pi9
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vented a they he" special siglficasce In computer code validation and in applications to large aspect-
ratio winss. Pitching oscillations in two-dimmnaial teat rige can be realied relatively easy. Airloads
due to heaving can then be obtaine from the difference between airlons corresponding to different
pitching axi locations. The difference, however, in usually too email to result into airloods due to
heaving with a sufficient accuracy. Raalization of pure heaving ocillations requires a much more
complicated test rig. An example in the DLR tet rig used for the measurement of unsteady airfoil
characteristics in transonic flow. which Is presented in figures 7 and 8. two pitching oscillation modes
with axle poeltions at 20 and 45 per ceast chord and a hean ocillation mod* could be realized (Ref.4).
The mam amplitude and frequency in the pitching modes were 1 degree and 200 ft, and In the heaving
made 1.5 on and 150 Ex. In three-dimensional teats both &=I andfull fapniVgmodels are used. The

semi-span model* enable tests at higher ynoldst but permit in the msteady
case: a much easier driving mechans. Mainly for the latter reason may three-dImensional tests are
performed with semi-span models. accapting at the sn time the drebacks of the disturbing influent* of
the tunnel wall boundary layer at the wing root and the need of a labyrinth between model and tunnel wall
if forces have to be measured. Several examples of asem-span wing models are given in this paper. An
example of a full-span test setup is presented in figure 9. being used recently at NLR for low speed tests
with a straked delta win model oscillating in pitch (Ref.5). The complication of the many struts was
necessary to guarantee a clean pitching motion in a wide range of incidences. pitching ampltudes and
sideslip angles. To estimate the interference of the test rig with the flow a separate steady test was
performed with the nodel suspended in wires to en overhead balance system.

3.5 Measuring techniques
To determine the time history of the position of the model surface, nowadays in most experlaents only

relative displacements are measured between parts of the construction which are close to each other, for
instance:
- position of the root chord relative to the tunnel vall when It concerns a semi-span model
- position of the flap relative to the wing when it concerns a model with oscillating flap.
The accuracy of these measurements is better than 0.01 m. On other places of interest. models are
equipped with accelerometers, providing local amplitude of the motion by double Integration of the signal.
The accuracy of the amplitude obtained in this way will depend strongly on frequency. Optical systems.
which enable the neasureunt of the position of a large amber of points on the model surface with respect
to (for instance) the tunnel walls, are under development, but still not available for routine
applications. A big advantage of such a system would be the inclusion of the static deformation of the
model.

When the model notion is known, the transfer function between motion and aerodynamic output can be
established by measuring the overall loads and/or pressure distributions. As mentioned in section 3.2, the
overall load* measured by a balance, must be corrected for inertia effects. Models for this kind of tests
are therefore often made of special materials, like magnesium alloys, to improve the ratio between aerody-
noocas an d inertia load. At contt redued freque e r uncd.y of the modl excitation will
incre and i nert-i ad A nsta effdct frel qecye more pronounced. Hot ver, one should realize that
not all components are affected by inertia loads: when the center of gravity is in the rotation axis of a
pitching model, the unsteady normal force is not effected by inertia loads!

Pressure measurement* provide detailed information about the flow. balance measurements do not. How-
ever, when the goal of these measurements in to obtain overall loads by integrating pressure
distributions, one should realize that the accuracy might be limited by a too small number of pressures,
steep pressure gradients end poor integration methods.
Especially when transducers fail in the region with large pressure gradients (for instance at the shock
position), a severe los in accuracy may be expected (se Sections 3.2 ind 3.3).

For the measurement of pressures on the model surface, two methods are mentioned here:
" The first one uses a large number of identical pressure tubes, connected via scannivalves to a

limited number of pressure transducers, outside the windturmel (see Ref.3). The essential step in the
data reduction procedure of this method i that the unsteady pressures measured with the transducers,
(p ) are reduced to the actual pressures at the Nmodl surface w), ith the use of the transfer
filctione of the pressure tubes. This procedure Is schematically indicated in figure 10. By
installing a limited nmber of miniature pressure transducers in the model. each of them positioned
adjacent to some orifices the tube transfer functions are measured during the vindtunnel test. They
can be applied to all other tubes. The tube transfer function depends on frequency, tube geometry,
geometry of the tube entrance, steady pressure and velocity profile of the local boundary layer.
The accuracy of pressure coefficients determined with this method is estmated to be better than 52
in amplitude and 3 deg in phase angle (see Ref.2 dataset 9 and Ref.3). The method is economic and
does not deteriorate the model stiffness too mch. However, not all pressures can be measured at the
same time and extra postprocessing is needed as compared to the next method.

" The second method uses a large number of ainiature pressure transducers close to the model surface,
leaving tubes of only very short length. The transducers are mounted in such a way that they are
electronically insulated, free from model deformation and not influenced by accelerations. In this
method the electronic output, In combination with the sensitivity of the transducer, yields directly
the pressure signal at the model surface. In the range of teat frequs ncs in aeroelastic applica-
tions (up to about I kHz), no correction for the transferfunction of the short tube and eall volume
between model surface and transducer is needed. This technique may be applied also with smewhat ex-
tended tubes, to eable measursmts at places difficult to reach, like noe and trailing edge
region. Failure of transducers occurs more frequently at places with a high acceleration level. By
using a short tube, mounting of transducers at theso places can be avoided. In this may, failure of
transducers will be limited, resulting In a higher accuracy of the overall coefficients obtained by
integration.
The technique is also suitable for the measurement of non-sinusoldal pressure signals and provides
the possibility to measure all pressures simltaneously. In the last few years, miniature pressure
transducers which are suitable for both static and dynamic pressure measuremo nt hae become avail-

- , able. In the past, in models equipped with a large number of lniature pressure transducers, also a
large number of pressure tubes were installed to measure the static pressure*. In this way, often a
small stiffness of the model and consequently a large static deformation wse obtained, which deteri-

:, I ... *orated the accuracy of the matments.
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The unsteady signals of motion and Uods measuring instrument can be recorded directly on tape or
disc for further analyis. For oscillatory motim. a large reduction of the amnt of date Can be
obtained by trantfeartion of the meseured unsteady sigale to a limited nmber of Fourier components. As
a conse , if the sinal Ia far froe harmonic. this may lead to errors due to neglect of higher
harmonica,. In case of winges in harmonic motion, such errors may becme significant especially when the
flow Ia strongly nonlinear e.g. close to moving shock@ and at separated flow. Whether the higher harmonica
are really aerious in their contributions to the aeroelatic statbility and responses of the aircraft
depeads on the vibrational characterietics of the structure.

3.6 Viscous effects
Like In ateady aerodynamic investigations, viacous effect@ occurring during unsteady wind tunnel

testing are an Important mtter of concern In the definition. measurement and analysis phases of the in-
veastIgation. Depending on thickneas and nature of the viscous layer, the effect of viscosity can vary from
a mall effect on magnitude and phase angle of the airloads relative to the airfoil motion, to a com-
pletely different behavior of the unsteady flow coamtrod to the hypothetical inviscid came.
As a conaquence, results of unateady vind tunnel tests cannot be used afely for full-scale flutter pre-
dictions, without a careful analysis of the possible effects of the difference between model and full-
scale Reynolds nmber. In the following the major effects of viscosity on unsteady airloads are
smmarised, and consequences for the etup and alysis of unsteady flow experiments are diecusead.

For a given model notion, the development of unsteady flow and airloeds depends on Reynolds number in
two ways (Ref.7):
1. By its influence on the initial or moan steady state flo field. This flow field determines the way

in which unsteady flow perturbations propagate around the airfoil and contribute to the distribution
of unateady pressures on the model surface. This effect is most Important at transonic flow
conditions, where unsteady loading strongly depends on location and se of supersonic flow regions
and shock waves.

2. By its influence on the unsteady chage of the viacous region. For a given initIl sready flow field.
the unsteady changes of geometry and nature of the viscous region interact with the modal motion and
the inviacid part of the flow, and consequently affect the unsteady airloads.

The unsteady behavior of the viscous region can be classified as follows. in sequence of Increasing
effect on the unsteady airloads:
- (for fixed transition points) variation in time of attached laminar and turbulent parts of the

viscous region
- additional variation of the viscous region due to unsteady transition point displacement
- otion-induced leading edge separation and vortex flow
- motion-independent unsteady viscous-inviscid interaction, often characterized by strong periodicity.
The above effects are important in many practical caes of unsteady loading and &eroelssticity. in partic-
ular involving control surface effectiveness. aeroalastic behavior of wings in attached transonic or
natural laminar flow, transonic wing or aileron buzz and dynamic stall. Inaccurate siamultion of viscous
effects for the above cases, either by experiment or computation, leads inevitably to erroneous
predictions of unsteady sirloods and aerolastic behavior.

A typical example of inadequate simulation of viscous affects in the windtunnel was reported in
reference 8 which describes a flutter investigation of a supercritical wing amI-span modal. In order to
trace the flutter boundary sufficiently far in the transonic regime, the total pressure had to be reduced
significantly. At the resulting low Reynolds number (1E06 based on representative wing chord) an
unexpected stability boundary (Fig.11) was found, which could not be attributed to lviscid transonic
affects or flow separation. After analysis of the transition strip effectiveness it was concluded that the
strip had become ineffective, allowing an unsteady transition point motion. From various experimental
studies of oscillating airfoils it is known, that such a motion has a strong Influence on the unsteady
loading, and in particular leads to a larger phase lag of unsteady sirlods relative to the airfoil
motion. In Fig. 12 this effect is illustrated by the unsteady lift coefficient measured on a supercritical
(NLR7301) airfoil with oscillating flap, for various locations of a transition strip. This effect of a
moving transition point explains the negative aerodynamic damping which leads to the observed low-Reynolds
number Instability.

Also here a useful means to detect the role of transition on unsteady airloada is quasi-steady
analysis of available steady flow data. As an example, Fig. 13 shows the quasi-steady lift coefficient as
function of sale of attack for a supercritical airfoil at its experimental design Mach number N - 0.745.
for various locations of a transition strip. Fig. 13 aLso shows the motion dz/do of the transition points
on upper and lower surface measured during the teats with natural transition. Like in the previous example
the lift is strongly affected by displacement of the transition point. The large peak can be correlated
with a downstream motion of the transition point. Fixation of the transition point on a sufficient
upstream location reduces this peak effectively.

If a wind tuael investigation has to be carried out at a Reynolds number significantly different
from full-scale, various measures can be taken to reduce the resulting error n unsteady flow simulation.
These measures, which are also applicable to cope with wall interference effects, can be expected to yield
qualitatively better unsteady airload predictions. of which the remaining quantitative error can be eas-
timaed and, to some extent, be corrected.

Analysis in advance of steady experimental and theoretical data, to define a test program at initial
or usan steady flow conditions which correspond to fuU-eale by similarity in state of the viscous
region And pressure distribution, ratber than by similarity of angle of attack and Mach amber. This
moeasurs helps to reduce inaccuracy of unsteady airloods due to misfit of full-scala and model initial
flow field.

both in unsteady pressure and flutter investigations. sodele should be equipped with steady pressure
orifices in at least ma characteristic section of the modal, in order to be able to verify the

* assmod Initial steady state flow field. This also is advisable if static nodel deformation and well
interference are expected to be significant.

-477' 7
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Using the above steady flow data, the quai-tady behavior of the transition line on model and at
full-ecale should be anslysed In advance (see the example discussed above). On the basis of this In-
formation an optimum locatiam ad siue of transition stripe can be chos. This masure my eliminate
anomalous behavior of unasteady airloads due to (at full-scale) unrealistic transition point motion.
If the trameitlon point at full-scae is expected to be strongly variable (e.g. on natural laminar
flow arfols). accurate simlation at wind tunnel conditions wiU be sore difficult.

In the analysis phase the measured wind tunnel data can be applied to full-scale conditions. or used
for code verification, on the basis of matching the Initial steady flow fields. In transonic flow.
this matching should be carried out on the basis of Mach number distribution and shock location. If
presenre coefficients are used a basis for mtching, a difference in free-stream Mach number mat be
corrected for in order to obtain similar local Mach number distributions.

An example of this mtching is shoom In Fig. 14. where experimental man stady and unsteady pressure
coefficients oan a aupercritical airfoil are copared with results of inviscid transonic small pertur-
botion theory. The present case me selected from Ref.2 and concerns the NLR730I airfoil oscillating
about its nearly shock-free design condition (1 - 0.748, om - .85 deg). The theoretical design point
(N - .721. a - -. 19 dog) was used In the computation. Allthough the measured and computed Sean
steady pressre distributions are approximately shock-free, they do not match very well, and there is
a considerable diagreement In unsteady pressure distributions on the upper surface (Fig. 14a). A
better result is obtained, if the angle of attack in the computation is increased to improve the
matching of the unsteady pressure distributions on the upper surface. To obtain similarity in Mach
ember distributions first the experimental man Cp values were corrected for the difference in
free-stream Mach number. The resulting "tarset" pressure distribution was approximated in the
computation by Increasing the angle of attack by 0.5 deg (Fig. 14b). As a result, the computed
unsteady pressure* are in better agreement with the experimental results. Of course, the agreement is
not yet satisfactory In particular due to the neglect of viscous effects. The present example showe,
however, the Importance of matching of the steady flow fields irrespective of the accuracy of the
prediction of the unsteady perturbations of this field. A similar procedure can e followed if
full-scale predictions are to be made on the basis of experimental results at lower Reynolds number.

The accuracy of the measured unsteady airloads for application at full rcale can be estimated if both
model and full scale steady flow data are available, by analysis of quasi-steady airloads at model
and full-scale Reynolds number. For low reduced frequencies the unsteady airloade may be corrected
for this difference, to improve the applicability at full scale conditions.

3.7 Tunnel wall interference
A constant source of concern to the wind tunnel experimettalist is unsteady tuneal wall interfer-

ence. The effects as experienced by the model, originate from various causes:
" deformation of the mean steady flow due to wall constraints
* reflection of unsteady pressure disturbances at the walls
I transverse tunnel resonance.
For a further discussion it is easiest to consider the flow about the oscillating model as a superposition
of s steady flow governed by model geometry and sman incidence, and a perturbing unsteady flow generated
by model motion or flow unsteadiness. The Influence of the steady flow on the unsteady pert way become
very strong - as is well-known-under transonic conditions.
a. Considering the effects of wall constraints it is now resonable to accept that the correction

methods and recenmedations to avoid serious constraints effects, which are familiar in steady
testing, are also applicable to the man steady flow In unsteady testing. A rather conms• method to
show for this effect to some extent is to match the flow about the model in its mean position to the
desired flo known e.g. from interference free steady tests. An example will be given later on. A
similar matching i discussed in section 3.6 to account for Reynolds number.

b. The second effect mentioned above is a typically unsteady one and effect is due to the pressure waves
emitted from the oscillating model, which do not recede continually, but are reflected with the flow
about the model. Correction methods are far from complete and show the tendency to follow ideas in
the development of steady correction methods. A major problem in finding adequate theoretical correc-
tion methods is uncertainty about the unsteady boundary conditions at ventilated windtunnel walls.
The most elaborated methods are based on Integral equation formulations using the strongly simplified
linear homogeneous boundary conditions. They are further restricted to uniform mean flow and
therefore invalid in transonic flow. A recent survey has bean given in reference 9. An alternative
approach has been proposed which employs measured flow conditions at the walls (Ref. 10). This makes
the method applicable to ventilated. especially slotted walls, but transonic flows remain excluded.
Correction methods for more general cases. including three-dimensional models, transonic flow and/or
ventilated tunnel walls, which have found soe broader acceptance, are not known to the authors.
Two examples will be given here to illustrate the concerns a 12% thick supercriticl airfoil.
pitching about 0.45 C (Ref.4), in a transonic attached flow with a well-developed shock wave. Chord
length we 0.18 a and tunnel height 0.55 a. Top and bottom floor were slotted walls with open-area
ratio of 1O. In fig. 15 the modulee and phase of the measured lift roefficient k is shown versus
reduced frequency k, in comparison with calculated values of linear theory (foublit-Lattic method)
and mall perturbation transonic theory (LTRAB2-NLR, Ref. 11). The following well interference effects
may be observed.
- At saes frequency the measured lift coefficient was corrected accarding to a standard procedure.

The correction reattd Into in increase of 311. The corresponding corrected incidence was 2 deg.
- The measured modulus values show a saximme at mall reduced frequencies, while the phse lag Is

retarded.
- The calculated transonic lift coefficients were obtained after matching the mean pressure destribe

with the Measured distribution, on the basis primarily of an equal shock location.
The conclusion of comparing all these results Is that the wall Interference effects seam to be over
at k -0.15.
The second exale concerns the so-called WRA wing, a bamonic oscillation semi-epan modal, which
wes tested in four different Ruropean wind tnmele (Ref.12). The model plaform to shomn In figure

S 16. A comparison of the tunsl test sections idvolved is given in figure 17. Results of three wIn
tunnel@ are presented in figre 1.eslt o e t t very similr to those of

.... " F -
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have be" left out. It can be observed in this rather securitive case that shock peaks occurred In
the preasure distribution of the lays wind tunnel iT. which were almost suppressed in the smaller
tunnels IN and 37t# both In case of nominal comparison (NC) and in the case of pressur* itched com-
pariaon (PC. i.e. best match of local Mach number distribution on the upper side). One of the con-
clusions of reference 12 in that the results of this competitive investigation tend to confirm the
conventional practice in choosing model-to-tunnel size reatis to avoid large interference effects.

C. Under certain flow coditious the emitted and reflected pressure disturbance met at the oscillating
model surface in opposite pheea. producing a pressure mode there. A standing wave pattern is So-
stated which is the cause of transverse tunnel resonance. Usually the lowest resonance frequencies
are of practical importance only in case of transonic test conditions. For the Idealized case of two-
dimensional uniform mean flow and either cloned or open walls, simple formula's exist to calculate
the resonance frequencies. Reference 9 explains that for hongensous ventilated walls the resonance
frequenies are in between. For more complicated cases, like three-dimensional models, lifting con-
ditions end/or slotted walls. The mean flow becomes strongly nonhomogeneous so that the pressure
waves experience substantial diffraction, refraction and scattering influenced also by the scoustic
characteristics of the plenum chambers. Although tunnel resonance has been demonstrated
experimentally to exist, It is doubtful in any tests whether this phenomenon should cause anxiety.
The authors did not encounter it in any NLR unsteady wldtunnel test.

4. AGARD SMP ACTIVITIES

In a discussion of the accuracy of unsteady windtunnel testing a reference nay not be omitted to the
"Compendium of Unsteady Aerodynamic Measurments" (Ref.2) of which the composing was sponsored by the
AGARD Structures and Materials Panel. This document followed the earlier activity of the SHP to define the
so-called AGARD Standard Configurations for Aeroelatic Application of Transonic Unsteady Aerodynamics.
These configurations (both two- and threedinensional) were intended as test cases in the evaluation of
methods to predict transonic unsteady aerodynamics and aeroelastic response. The Compendium contributes to
this evaluation with extensive sets of experimental data for moet of the standard configurations.
The reason of referring here to the Compendium is that in each data set the matter of data accuracy is
raised explicitly. In an introductory chapter Lambourne, who edited the Compendium, indicates in what
light the accuracy should be viewed. He remarks that the steady pressures, flow parameters, etc. are
measured accurately enough, but that the unsteady pressures give rise to concern. He emphasizes that
unsteady pressure measurements involve the separate measurement of mall changes in pressure and small
model displacements with Instrumentation that is operating normally in a dynamic environment. Systematic
measurement errors would therefor affect easily major parts of the doat set. Lambourne concludee his
review as follows:
"Whereas the resolution of the Instrumentation or the day-to--day repeatability, both of which set limits
to the accuracy, are fairly easy to determine, the overall accurpey of a measurement i extremely
difficult to quantify. Usually the most that can be expected is a statement to the effect that the
measurement of quantity A is no better than x percent. Such statements are usually made on personal, and
to some extent intuitive, asseeaients based on the experience of the experimenter. To demand more would be
unreasonable, for a thorough analysis of possible errors could eally entail as such work as the
measurements themselves".

This situation makes presume a varety in quantitative error estimates. Figure 19 shows a summary of
accuracies of unsteady pressure coefficients as stated by the contributing authors of the data sets. All
included sets concern pitching type oscillations. The figure shows indeed that the error estimates are
rather unequal, while estimates for data sets I and 4 could not be stated.
In view of all other error sources (see sect. 3.2) It Is very difficult to feed these error estimates back
to the requirements for full-scale aircraft given in section 2.4, In an attempt to enforce some opinion
about their acceptability. All what can be said about these error estimates is probably that no strong
argument exists to reject them.
Finally, an activity of the SHP should be mentioned which started Fall 1984, to compose a compendium con-
cerning standard aerolastic configurations for transonic aerodynamics and flutter research. The intention
is to collect windtunnal data sets for validation of calculation methods for dynamic aeroelastic charac-
teristics of two- and three-dimensional configurations. An initial choice of configurations has been made
already. It Is to be expected that the matter of accuracy will emerge in a similar way as for the compen-
dim of unsteady aerodynamic measurements.

5. FINAL REMARKS

During the AGARD SHIP meting in Fall 1986 a workshop was organized on "Future research on transonic
unsteady aerodynamics and its aeroelastic applications", chaired by Prof. H Foeraching. Various research
needs were identified, from which the following subjects being relevant here are taken over:
a. Theory

- windtunnl well effects
b. Nodal testing

- 2-D pitch/plunge flutter tests and measurement of related unsteady aero coefficients
- Unsteady pressure measurements at high Reynolds No.
- Analysis of modal test results of low vs. high Re number facili.o is and vs. aircraft Re numbers
- Windtunnel wall and resonance effects - how significant?

Further, a activities in a 5- to 6-year working progrm it was suggested (amongst others) to moitor
these subjects by means of pilot papers, and to organize a FDP-SNP Symposium on transonic unsteady
aerodynamics and its aerolastic applications in 1990/91. Hopefully the present paper has contributed to
stimulating such a future co-operation of both Panels.

6. ggFRJWCZ31' . Labum. .. Eperimetal technquesan uns-teady, arodynmics
," f Chapter 10 of: Special course on unsteady aerodynamics.
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SPSCIZIC&LXONS PAI.TXCULIUUIS Co~eUAWm 1.3S 1SULITf S
DNSII AI SR1 3oUFFLURII POUR LA

MNIif DgtfU VOL

par Marc PIANKO
avec la collaboration de Dominique TRISTRANT pour Ia 26me pertie

OMIPA-IMFL - 5 boulevard Paul Painlev6 - 59660 Lille, FRANCE

RESUME

L'objet de Is pr~sente communication eat do cerner certain* besoins et pr~senter des
recommendations concernant Is qualit& et la prhcision des mesures en soufflerie enelys~a
dui point do vue de Ia M~canique du Vol. A cat effet. doe une premidre pertie Isauteur
6tudie quantitativsient 1 influence d'une impr~cision relative A une caract~ristique
afrodynamique sur Is comportement en vol de leavion. Cette influence conduit A Is notion
do sensibilit6 attachde A cheque coefficient sarodynamique et A Is possibilit6 d'un
classemont do ces coefficients en fonction dui besoin de pr~cision qui leur est attacht.

Dens une deuxidme portie cant examin~s lea probldbmes tr~s particuliers que pose le
vol aux grands angles (incidence et d~repage). Dens ce domaine. leo effete sarodynami-
ques no peuvent plus Atre consid~ris comme lin~aires. Ie caisportement de l'avion subit
fortement I'actjon de phhnom~nes inetationnaires et les perturbations (parois, supports,
etc... ) ont sauvent une influence de tr~s grande amplitude. De cc fait la principale
difficult6 dane cc domaine de vol eux grands angles n'est pee l'obtention d'une grende
pr~cision meis Is possibilit& s~me d'une cerect~risation od~quste de l'avion.

Dens Ia derni~re pertie. par le biais d'une enqulte effectu~e aupr~s des principaux
utilimateure des souffleries, cant examin~es les difficult~s qui se pr~sentent A
l'utilisateur des souffleries au cours dui d~veloppement d'un avion. On analyse 69alement
les om~lioations qui cant demand~es aux souffleries ainsi que leg perspectives offertes
aux souffleries A moyen terme.

LtexposA qui suit eat le rdsultat de l'invitation faite par ie Panel FDP. organisa-
teur dui pr~sent symposium, au Panel FMP de pr~senter s contribution Sur le eujet des
qualit~s et caract~ristiques des essais en souffleries.

Le titre en explicite 1 objet :sp~cifications particuli~res concernent lee r~sul-
tets des essais en soufflerie pour is mdcanique du vol.

11 serait souhaitabie de commencer per 6clairer et comnmenter l'objet, lee objectifs
et is notion dui pr~sent expos6. Touit d'abord qu'appelle-t-on "Mdcanique du Vol" ? Et en
quoi lee bosomns de ls M~canique dii Vol se perticiilerisent-ils par rapport aux autres
besoins ?

a) L'objectif essentiel des 6tudes syant trait A la Mkcanique dui Vol est is pr~vi-
Sion dui coaportement dynamique de leavion. Pour cele, ii y a lieu de d~finir des
"mod~les do repr~sentation et de pr~visian" dui comportesent de l'a~ronef, pour ensuite
leo btudier et les exploiter : Alaboration do lois de pilotage et dii syst~me de common-
des de vol. calcul des performances. dfitermination des qualit~s de vol. Dens cette
optique l'avion cot un systkme intbgr6 ob leabrodynamique et lee structures interspis-
sent. Alors que Iearodynamicien s'int~ressera plus A 1S notion de 1l6coulement et A see
diff~rentes ceractbristiques. IS m~cenicien dii vol sera plut8t int~ress6 per l'effet do
celui-ci sur lavian. Tous deux utiliseront bien sflr des supports exp~rimentaux et en
perticulier lea essais en soufflerie, cependent lea objectifs seront diff~rents. Le
premier effectuers des mosures sauvent d~licates seceures de pressian. vieualizations
instationnaires. pses locales, etc ... afin de connaltre, de comprendre Is structure
intime des coulements at afin d'en d~duire leo lois qui les r~gissent. Le second se
pr~occupera eurtaut de l'effet global dui fluids our IS vhhicule 6tudi6 et mesurere le
tarseur sarodynamique au mayen d'une balance sphcifique.

Cola no veut pas dire que ls m~cenicien dii vol s'int~resse uniquement au torseur
eArodynemique. Notre int~r~t, en tent quo m~canicien dii vol. eat concentrA our le
comportement global dii v~hicule quand ce comportement pout Otre sch~metioA et gloalis6
bien que r~sultant d'interactians multiples. La figure I illuetre ces interactions
epkcifiques do Is M~csnique dii Vol. Le probl~me de la pr~cision cur is connaissance
earodynamique nest qu'un sous-enseeble dui probl~me g~n~ral concernant is M~canique dii
Vol.

Mous econ donte int~r~t tous lee esseis 'ienspril esqel?
essais dntr~e d air au de tuy~re. Bien qu dZ elda Ossain sao.ent sauvent effectu~s
doe leo souffleries nous evans estim6 qu'ils no sersient pas consid~r~s comme eseen-
tiellement des essais pour Is M~cenique dui Vol.

j b) Pour des raisons pretiques et do longucur do 1lexpos6, naus navons pee btudi6

lee probl~mes do tous lea types de v~hicules canoins qui font appel sux essis enj oufflerie. Mous nous sammes liisitfis sux evions do transport et avions do combat.
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c) Enfin, nous nous sossies int~ress aux besoins des utilisateura principaux des
souffleries, qui sent les industrials saronautiques. Nbanzoins, lea besoins pour lea
essais do recherche ont kt6 69alement analyshs dans la mesure ott eette recherche eat
ax~e vers lat M~canique du Vol. Dana ce contexte notre souci a 6t6 de pr~senter une
approche synth~tique qui explicite lea besoins et surtout les raisons des besoins des
utilisateurs des souffleries. Notre expos6 coraprend trois parties:

1. Consid~rations sur la sensibilit6 des param~tres de la M~canique du Vol

2. Probl~mes particuliers de Ia M~canique du Vol aux granda angles

3. Besoins g6n~raux pour Ia Mitcanique du Vol (actuels et perapectivea)

1CONSIEATITONS__STR LA SENSIBILITE DESPARAErRES DE LAMECANIQ5E.DUVOL

L'objst de la Mcanique du Vol 6tant le comportesent en vol de l'avion. il eat
6vident que la pr~cision dent a bosoin 1e sicanicien du vol d~pend de Is mani~re dont
eat isodifi* le comportement de l'avion par suite d'une m~connaissance des caract~risti-
ques a~rodynamiiques de l'avion. Dana Ie pr~sent chapitre on se propose de quantifier la
modification du coinportemont de l'avion rhsultant d'une erreur aur le modtle math~mati-
que de l'avion. qui peut provonir par example d'eaaais en soufflerie.

Il nous semble utile au pr~alable de pr~senter lea notations et lea concepts dont
nous allons parler. Ceci oat fait sot lea figures 2 A 5.

L'objet d'6tude du si~canicien du vol, le comportement de l'avion, eat d~crit par le
vecteur d'&tat X dont lea compomantes sont ;u, v, w, p, q, r, 0, A

Apr~s lin~arisation. 1l6quation du vecteur d'#tat XC s6crit

(1) 1E

o~t EMt est l'action our lea gouvernes, A et B sont des matrices fonction des coeffi-
cients C, (Cx. * Cxa ... .

Si i'on se donne E~t) laction sur lea gouvernes et des conditions initiales on pout
int~grer l'6quation et obtenir Ie vectour d'4tat XVt) c'est-&-dire mom composantes
XI (t) (u, v, w.. .

Le probldiae que nous noum pomona eat Ie suivant :comment quantifier is distance
entre le vecteur X(t) calcul6 avec un jeu de coefficients C, .. et le vecteur X'(t)
calculA avec lea mgmes coefficients, sauf l'un d'entre eux, C- qui serait devenu C, +
ct.
On calculera cette distance entre XVt) (dent lea composatntes sent xi (t) et X CCC (de
composantos xJ (t) + Ax, Ct)) par

a f~zt~f d 1 ~ Aii(t)I d

T &tant is dur~e du vol conaid~r6.

A chaque coefficient Ci on peut faire correspondre Sinai one sensibilit6 S, d~finie

comme

La signification de Si eat ls soivante : un coefficient Ct dont la SenSibillitk S'
oat grande doit 6tre connu avec une grande pr~cision car une faible eroot aur C, va
entrainer one grande arreun (St fois plus grande) aur le vecteun d'ftat XVt) et sun Is
vecteur d~riv6 X(t) . Inversement on coefficient dent ls sensibilit6 Si eat trbs petite
nma pam besoin d'8tne connu avec une grande pr~cisio-k car l'errour sur le vecteur d'6tat
X(t) sers tr~s faible.

Pour calculer lea S, ii fsut me donner un mod~le davion, c'est-A-dire lea matrices
A et B, me choisir one action sor lea gouvernes EMt et det, conditions de vol (condi-
tions initiales, configuration de l'avion). Il faut enmoite intdgrer l'6quation (1) avec
C, puis avec C. 4- j6C, , et calculer Si

11 9sonauit donc quo Is senaibilitb Si4, c'est-A-dire is pr~cision avec laquelie doit

Atre c onnu un c oefficient Ci , d~pend en principe

- du type d'avion,
des conditions de vol (croisi~re, d~collage, etc ... ,

- des actions ou des aollicitationa aur lea goovernem.
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Les calculs ([15]) ont bt6 effectu~s pour deux types d'avion

- un avion de transport,
- un avion d'armes A sule delta.

Pour. chaque type cd'avion piusieurs types de sollicitations de gouvernes ont 6t6
utilisbs. Pour chaque cefficient Si nous avons retenu is valeur de Si qui eat maximale
parmi toutes lea sollicitations. Les coefficients Ci ont 6tAi classts en trois groupes

ler croune Les coefficients dont lea xenaibilit~s sont infhrieures & 0,1. On peut
admettre que ec coefficients peuvent 6tre nkglig~s.

26me groups Les coefficient. dont lea senaibilit~s sont comprise. entre 0.1 at
0,4. Cas coefficients ne peuvent etre n~glig~s mais on peut s satiafaire pour eux d'une
pr~cision relativement modeste.

L3Ame-roujpe Les coefficients dont lea sensibilit~s sont aup~rieures A 0.4. Ce.
coefficients doivent Atre connuc avec une grande pr~cision.

La figure 6 donne le r~sultat du classement. On pout faire A ce sujet lea remsrques
suivantes:

a) Bien que, pour de nombreux coefficients. le groupe soit le mgme pour l'avion de
transport et I'avion d'armec, on constate dec diffirences. Ainsi Cv,. (efficacit6 de is
direction pour la force lat~rale) peut Atre n~gligfi pour l'avion de transport asa
beaucoup coins pour l'avion d'aracs. Cy 61 (efficacit* des ailerons pour Is force
ist~rale), trks important pour l'avion de transport, peut fitre
n~glig6 pour l'avion d'armes. L'influence du type d'avion est 6galement visible aur
Cla.. Cx.. C16.

b) (l~me pour des coefficients class~s dans le s~me groupe ii peut arriver que is
valeur de Is sensibilit6 diff~re notablement. Ainsi le C. class* dans Is groupe 3 pour
lea deux types davion a une sensibilitA de 1,23 pour l'avion d'armes et de 10,6 pour
l'avion de transport.

c) La m~thode de claasement des coefficients, en retenant Is vaieur maximale de Si,
a effectu6 un filtrage qui a att~nu6 fortement lea influences de is trajectoirs ou des
oil icitationa des gouvernes. Par exempie ie Cl, (influence du lacet sur le moment de

roulic) eat classA pour l'avion de transport dana le groupe 3 A cause de I&saensibilitA
durant l'atterrisaage. Maja cette sensibilitA eat divis~e par trois pour Is phase de vol
de croisi~re.

d) On peut imaginer qu'ii existe d'autres types de soilicitationa non teat~s. qui
feraient remonter 1 importance de certain. param~tres clacc~s dana le groupe 1 ou ie
groupe 2. 11 pourrait c'agir coit de sollicitations directes cur lea gouvernes. soit de
turbulences.

e) Le classement en troic groupes des coefficients Ci r~duit beaucoup la finesse
d'apprciation de I& pr~cision. Ainsi le coefficient Cyp eat ciass dana le premier
groupe (coefficient n~gligeable) avec une aensibilit6 Agale A 0,07 alora que ie C.0 eat
class6 dans le groupe 2 (importance moyenne) avec une aensibilitA tr~s voisine (Agaie A
0,1).

f) Lea valeurs des sensibilit~s qui ont conduit au tableau de ciassement proviennent
d'un calcul compl~tement lin~aris6 (mod~le davion et 6quationa) . Ii eat bien Avident
que cette simplification peut introduire des erreurs. De plus. comme on le verra dana is
deuxi~me partie. Is Mcaiique du Vol aux grands angies ne peut certainesent ps 6tre
lin~aris~e. Lea besoins de pr~cision pour Ia M~canique du Vol sux grands angles doivent
Otre trait~s A part.

g) Le paramktre choisi, ei * pour quantifier i'6cart entre deux vecteur. d'Atat pout
6galement Atre sujet A discussion. Le fait de prendre iascosine de touts les grandeur.
d'6tat, y___ompris lea d~riv~eq. donne une certaine image de I&saensibilit6. Cette image
pourrait Atre modifi~e avec un autre param~tre (par exempie sans tenir compte du vecteur
d'6tat d~rivA)

La conclusion -de cm g~ir~c~de oeut Atefru~ om ut les coefficients du

groupe 1 peuvent At re connus de facon ommaire. voire n~gligfis. ceux du groups 2 doivent
Otre connus--avec une__ rokisionoynne. et_cex d 4Wgrouge 3 m~ritent diftre d~termina
avec une grands or~cision.

Cependant. cette conclusion. qui doit d~jA Otre att~nu~e A Ia lumi~re des rsmarqus
qui pr~c~dent. risque d'Otre fortement miss en cause dans le csa d'un avion 6quip6 dun
syst~me de commandes de vol strictesent ietriques. En effet dans ce cas (cf C14]) is
cosportement en vol de lavion d~pend momns de sea caractbristiques sarodynamiques quo
des lois de contrdie introduites dans is syst~me de commands de vol. La prhcision avac
laqueli: on souhaite connaitre lea paras~tres sarodynamiqus eat compi~tement modifi~s.Quequs eemlesseon forns ut~ieuemnF
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2 - PROBLEMS PARTICULIERS DE LA MECAJIIQUE flU VOL AUIX GR?.NfS ANGLES

Phhnoisbnes a6rodynamigues associ~s aux arands angles

Le domaine de vol oa lea incidences sont 6lev~es pose des probl~mes divers dons la
d~termination du torseur sarodynamique A partir d'essais en scuff lane.

Le premier d'entre eux tient & Ia nature d~coll~e de l'6coulement reproduit en
soufflerie. Des phbnom~nes non linbaires, voire discontinus, apparaissent alors souvent,
ils sont typiquement lis au domaine des grands angles. Neus pouvons en citer queiques
uns:

- lea dissym~tries d'kcouleaents li~es A l'apperition de vortex aux extrames pointes
avant des fuselages ou des missiles,

- lea 6clatements tourbillonneires sur les sules en fldche ou sules delta,

- lea m~testabilit~s des 6coulements traduites par des effets d'hystkr~sis impor-
tants.

Ces ceract~ristiques sarodynamiques ont 6t6 6tudi~es depuis plusieurs annbes et un
nombre consid~rabie d'informations existe sur ces questions.

S'ils sont d~crits, illustrks, voire expliqubs dans Is littbrature, leurs impacts
sur les peram~tres de stabilit6 et sur les qualit~s de vol de leavion n'en posent peas
momns de skrieux probl~mes.

Le probl~me pratique de lour prise en compte au travers du moddle earodynamique de
l'avion (ou du missile) eat dbjh d~licat en soi, mais celui-ci est encore secondaire
devant le probl~me de fond de la stabiit6 de cec 6coulements tourbillonneires et de
leur sensibilitk en regard de certeins peraimtres. L'influence du nombre de Reynolds sur
lea efforts lat~raux d'une ogive ou pointe event peut Atre pr~dominante et modifier A le
fois 1 incidence d'apparition de ces efforts lat~raux et leurs intensit~s (figure 7). De
mCme. Il6tat de surface de la maquette pout avoir un effet non n~gligeable sur l'effort
lat~ral trouvk. Des nnesures effectu~es par Chempigny sur une configuration ogive-
cylindre ont montr6 que cet effort lat~ral d~pendait 6troitement du positionnement en
roulis de la maquette mfine ci celle-ci 6tait sym~trique de r~volution et si son 6tat de
surface @tait r~alis6 avec une finition de l'ordre du micron (figure 8) . Malgr6 une
telle pr~cision, 1'hypothqse que l'effet de l'angle du roulis sur la dissym~trie
d'6coulement soit dQ A une micro-d~formation g~om~trique semble contfirm"e. L'6tet de
surface intervient 6galement au niveau de la stabilit6 de l'6coulement. Chainpigny. ainsi
que d'autres auteurs, ont montr6 qu'un 6tat de surface rugueux pouvait conduire A des
ph~nom~nes a~rodynamiques instebles (figure 8) . La r~p~tabilit6 des esseis est en effet
bien moins bonne lorsque, en certains endroits bien localis~s, is surface est rugueuse.
On peut done se poser 1a question de l'utilisetion de ces donn6es exp~rimentales pour le
cor'portement de lavion. Vu le complexit6 et la sensibilit6 de ces ph~nom~nes, is
transcription des r~sultats de is soufflerie au vol grandeur apparait fort d~licate.
Comment utiliser correctement pour leavion ces donnkes provenent do is soufflerie ?
Pourtant, celles-ci ne peuvent Atre n~glig~es. Lea efforts lat~raux et couples induits
par los ph~nom~nes sont d'ailleurs souvent bien plus mmportants quo ceux obtenus A
l'aide des gouvernes, et ii est clair quo leur influence cur Is stabilit& de l'avion
sera concid~rable. A co titre on peut d'ailleurs signaler quo de telles dissyns~tries
earodynamiques peuvent 8tre is cause de vrilles parfois hyperstables. Il a btb montr& A
l'INFL, A partir doessais sur mequette en soufflerie verticele, que l'existence d'un
6coulorent de pointo avant de nature dissyon~trique conduisait A favoriser une vrille
lente et privil~giait fortement un sens do rotatton particulier (10] . tine 6tude sp~cif±-
quo effectuke sur une maquette d'avion dames typique a penmis de reconnaltre en vrille
libre (soufflerie vertidalo) leffot de diff~rentes g~om~tries de pointes avant. Celles-
ci ont pu 4tro classbes en fonction do leur effet cur les vrillis et cur Is r~cupbretion
figure 9) . Le probl~me de Is pr~cision des mesurec, et donc du mod~le a~rodynarinue

utilis6, apparaltrait ici d~ricoire en regard du probl~rse do la qualit& de !a niesure et
de la bonne repr~sentativit& du mod~le sarodynamique. A ce titre, on peut signaler qu'A
haute incidence la contribution de l'instationnaire cur Ia portance peut CAtro de l'ordre
de 50 % de cc portanco maximale, voire beaucoup plus [12).

PhMnom~nes__dvnemiaues en soufflerie

Jusqu'A pr~sent nous avona 6voqu6 lea ph~nom~nes eamodynamiques complexes associ~s
aux grandes incidences, mais qui se produisaient our un corps fixo en soufflerie, cest-
A-dire effectuant un simple mouvement de translation per report au vent infini amont.
Or, is r~alit6A& haute incidence ect souvent tr~s diff~rente danc la mesure ol dons ia
zone post-d~croch~e, lea qualit~s en stabilitA de lavion se trouvent souvent d~grad~es.
Ainsi lea passages A haute incidence saccompegnent-ils trds souvent de mouvements
dy~amiques de l'avion. Ces ph~nom~nes m~caniques peuvent pr~senter un caract~re Perna-
nent ou osciletoire comme par exemplo lea diffbrents types de vrilles (plates ou
piqu~es, calmes ou agit~es), lea autotonnosux, le wing rock, ou un caract( re purement
transitoire et instationnaire comme lea pertes de contr8le, le d~crochage dynamique, lea
mises en vrille ou lea sorties de vrille.
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Dane tous. ces cas, los effets dynsaiques devionnent importantsuetmne peuvent Aitre
n~glig s Lor desai en sufflerie. le parois et structures umnaeeitn
perturbent 1. lchampia~rodynaaique de fagon particuli~rement sensible loraque l'&coule-
ment eat d~col e t instable. Ces effets peuvont fitre non n~gligeshles en regard de ce
qui so produirait sur un avion plac6 en atmoaph~re infinie. En dynamique con effets aont
encore souvent plus marqu~s. La complexit6 des 6coulements airodynamiques haute inci-
dence as trouve encore accrue par le souvement dynamique de l'svion et conduit lea
is~caniciens ducvol1 et sarodynamiciens concevoir des installations sp~cifiques o6i
certain, de cc effe ts peuvent Otre& mesur~s. 1 1 s'agit en particulier des balances
rotatives (figure 10) simulant des mouvements de rotation continue analogues & la vrille
stationnaire ou au tonneau pur et les montages en oscillation (figure 111 permettant
d'6valuer cortaines caract~ristiques instationnaires de l'bcoulement sur le corps.

Cependant. ces diffirents montages posent des probl~mes suppl~mentaires dans
lanalyse et lexploitation des mesures. Les probl~mes 6voqu~s pr~c~demment en mati~re
de conditions de similitude pour les 6coulements dkcoll~s, se trouvent renforc~s par
ceux lis A Ia repr~sentation des conditions limites lors do mouvements dynamiques. Lee
effets do parois se trouvent accentu~s par 10 mouvement du sillage de la maquette dan,
Ia soufflerie hors de mouvements tels quo leg oscillations ou rotations des maquettes.
Los perturbations g~nirkes par leg 6coulements d~coll~s se d~placent transversalement A
laxe de Is soufflerie, atteignent les parois, so r~fl~chissent sur celles-ci et
reviennent perturber le champ de is maquette apr~s un certain d~lai A t. Une
interaction instationnaire maquette paroia existe alors et celle-ci eat caract~ris'se par
un temps do retard A t associA.

En plus des effets dit de parois proprement dits, d'autres induits par toutes les
parties fixes du montage (supports, car~nages do moteurs. .. .) interviennent 6galement.
Cog surfaces no sont pas entrainkes en mouvesent avec la maquette contrairoment au
sillage dynamique qui interagit pkriodiquement A chacun do ses passages et Cr~e des
causes suppltmaentaires d'erreurs d'estimation et d'instabilit~s do l'6coulement.

Les vortex g~n~r~s par un avant-corps peuvont interagir avec le mAt ou le dard
supportant Is maquette. en particulier aux trks grands angles d'incidence lorsque ces
vortex deviennent dissymitriques. Ainsi des 6carts ont pu 6tre relev~s, mime en statique
(la maquette Atant fixe dans la soufflerie), entre les mesures effectu~es d.3ns lea m~mes
conditions mais pour deux types diff~rents do liaison maquette-montage. Malcolm et
Schiff [3] ont pu comparer des mesures effectu~es A grande incidence en montage arri~r.
(par dard) avec cellos r~alis~es en montage par l'extrados (mAt sur le dessus du
fuselage) pour doux angles do calage do Is maquette. Des kcarts notoires ont pu 6tre
relev~s particuli~rement sur lo moment do lacet (figure 12) . On comprend assez bien que
l'interf~renco sur le bras support d'une psiro do vortex dissym~triques sera importante
pour Is configuration montage par 1e dosaus o6i le m~t so tr-ouve A proximit6 do l'6coule-
mont tourbillonnaire sur lextrados.

Lea 6clatements tourbillonnaires d'une silo en fliche peuvent Atre 6galement
fortement influenc~s par 1e type de support do la maqutette. Des diff~rences iymportantes
peuvent alors 4tre not~ea sur l'6volution des coefficients lat~raux on fonction du
d~rapage (figure 13).

On comprend 6galoment quo tous ce, effets pr~cit~s pr~occipent beaucoup los m~cani-
cions du vol car ils no sont pas n~gligeables qualitativemont et quantitativement. Leu.r
influence aur lea calculs d'4quilibre pout 6tre do toute premibre grandeur et conduire A
des fausses ou mauvaises conclusions quant au vol do l'avion. Pour un missile il a
6gahement 6t6 d~montr6 qo'un montage par dard ou mAt pouvait cr~er une interf~rence Avec
le sillage tourbillonnaire aux grands angles d'incidonce et perturber tr~s sensiblerent
Is force normale mesur~o en soufflerie.

De plus, le couplago entro le mouverent do l'a~ronef et la strtiture do 1'.coulement
tourbillonnaire dissyis~trique pout 6tre tr~s fort, bien plus fort encore qu'en statique.
Le sillage do cog vortex peut 6galement interagir A laval sur los parties arri~re de
l'avion (ompennages, d~rivo) et induire des interf~ronces aur ces surfaces fondamentales
poor le contr8le et l& stabilitA do lavion.

Pr~occupations en terme do HL6_;Lninue duVol haute incidence

Avant toutes chose, il convient de s~parer les pr~occupations en deux classes bien
diff~rentos main qui noen sont pas moms importantes l'une et lautre. Lea prioccupa-
tiona haute incidence do l'aviation do transport et de l'aviation g~n~rale sont A
distinguer do cellos li~es aux avions do combat. Au cours do la vie d'un avion de
transport les passages A haute incidence no r~sultent quo do circonstances accidentelles
et tr~s rare,. La pr~occupation principale est cello do ls s~curit6 du vol et do
1 avlon. Ainsi. Vattention du is~canicien du vol sera-t-elle tourn,&e vera lea poesibi-
1 itis do retour A basso incidence lors do ces cas excoptionnels tels quo lea vrilles.
Losvprincipaux sujots d'int~rit aeront donc la bonne connaissance des limites du domaine
do vol pilot6 et contr6lA ainsi quo Is bonne connosasanco des stabilitks des vrilles et
do Vefficacitk des gouvernos pour obtenir le retour aux faibles incidences. Aussi des
essais en soufflerie vorticale sont-ils effectu~s nor maquotte pour btudior lea vrilles
et lea consignes A appliquer on cas de mise en vrille .3ccidentelle. L'attention est

%alora tourn~o sur la validitA et 15 bonne repr~sentativitk de ce type d'ossais.1
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Or sur des configurations particulitres davion l6gers, des cas de mauvaises
corr~lations vol-soufflerie ont pu 6tre constat~s en ce qui concerne le probl~me de Is
vrille. L'effet du nombre de Reynolds sur certaines g~om~tries de profil A haute
incidence apparatt une prioccupation importante des m~caniciens du vol car des discor-
dances importantes sur les vrilles et les r~cup~rations obtenues en vol et en soufflerie
verticale ont 6t& rapport~es. Ce probl~me rests l'objet d'6tudes aux U.S.A. et en
France.

Four I2avjon de combat ls Probl~me eat tr~s diff~rent dans la isasure oci lea grandes
incidences font partie de aon domains de vol conventionnel. L'accent st alors mis
plut8t sur les qualit~s de vol A haute incidence, aur la manoeuvrabilit& en combat, sur
Is pilotage au voisinage et au-deli du dicrochage.

A cat effet uns correcte mod~lisation math~matique des efforts a~rodynamiques dans
tout un domains de vol impliquant A Is foia lea grands angles (incidence et d~rapage) et
lea Iouvements dynamiques eat n~ceasaire. Vu les probl~mes 6voquAs pr~c~demment en
11sati~rs de caracthrisation et mesure sarodynamiques en soufflerie. ii eat clair qua
zette tche es rendue tr~s ardue. Quand bien mgins lea conditions de similitudes et
conditions limites seraient-elles parfaitement respectkes et mattris~es, 1'Alaboratio.
des mod~les de comportement n'en demeurerait pas momns d~licate. Mgme a'ils sent
parfaitement reproduita en soufflerie. lea bcoulements d~coll~s sent, pour lea is~cani-
ciena du vol. is sidge de:

- fortes non lin~arit~s via-A-via de l'incidence, du d~rapage. des vitesses angii-
laires ou des braquages de gouvarnes (figure 14),

- couplages entre lea variables longitudinales at transversales (figure 15),

-forts effeta instationnairea (tel le d~crochage dynamique) qui se traduisant par
une d~pendance temporelle des coefficients li~e A i'hiatoire du mnouvement de l'avion
(figure 16),

- effets d'hyst~r~sis typiques du comportemant non lin~aire o~i Von peut trouver
plusieura 6tats d'6quilibre de 1l&coulement pour une s~me configuration de l'avion
(figure 17).

- non linkarit~s en termes de d~riv~es dynamiques (figure 18).

Ces principales caract~ristiques doivant @tre obtenues correctement en soufflerie.
Or, horms lea probl~mes lis au respect de conditions d'essais similairas & celles de
lavion. on peut constater qu'une bonne connaissance du domaine de vol exigera un grand
nombre d'essais an soufflerie. En effet lea moyena d'extrapolations des mesures A haute
incidence sent tr~s limit~s (m~thodes de calcul ou lois de comportement et lea 6volu-
tions des caract~ristiques a~rodynamiques sont de plus A la fois fort non lineaires et
d~pendantes d'un grand nombra de variables.

La connaissance des efforts sarodynamiques n~cassitera donc une profonde exploration
du domains de vol. Cella-ci devra Otre judicieusemnent choisie at accompagn~e d'une
analyse d~taill~e des mesures at des caract~ristiques sarodynamiques.

Une illustration du probl~me sp~cifique de la pr~cision A haute incidence eat
Avoqu~e A pr~sent A partir de simulations num~riques de la vrille aur un avion de combat
classique. A partir daessais en soufflerie un mod~lea srodynamique eat construit. Celui-
ci fournit lea valeurs des coefficients a~rodynamiques (diff~rents de caux d~crits dans
la premi~re partie car is mod~le ne peut 6tre lin~aris6) A partir des valeurs des
variables sarodynamiquas pr~cits : incidence, d~rapage, viteases angulaires at
braquages de gouvarnas. Ce modbla peut donc 6tre introduit dans las 6quations du
mouvement. Ces Aquations diff~rentielles Deuvent Atre int~gr~es, elles fournissent alora
en fonction du tampa lea diff~rantas caract~ristiques du mouvament de l'avion, A savoir
:lea composantes de sa vitease, lea composantas des vitasses angulaires, lea attitudes

de l'avion par rapport au aol ou A is trajectoire. La simulation sinai &labor~e permet
d'effectuer des pr~visions sur le comportement avion en domains d~crochk at permet d'en
rsconnaltre lea caract~ristiques essentiellas via-A-via des ph~nomLnes "m~canique du
vol" 6voqu~s prkc~demmant, en particulier lea vrillas.

Un premier regard peut d~jA Atre tournA vera leffet des gouvernas an vrille. La
vrille eat un mouvement de lavion caract~risk principalemant par one incidence 6lev~e,
par uns composante du taux de rotation non n~gligeable sur le vecteur viteasa. accompa-
gnAs d'uos descents verticals da lavion. Etant donnA qua ce isoovemant eat g~n~ralament
tr~s stable, on coaprend qu'il est dangereux pour is s~curit6 u vol. Cette hyperstabi-
litk peut A Ia limits conduire A l'impossibilit6 do retoor A faible incidence A l'aide
de comisandes de vol.

Cependant, aur lea aviona certifi~s ii st possible den sortir A l'aide des
gouvernes. Celles-ci, at en particuliar is gauchissement, sent g~n~ralemant efficaces
via-A-via de is vrille at permettent d'obtenir Is r~cup~ration.
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Or, cet effet des gouvernes n-apparalt pas toujours de facon tr~s nette A la simple
vue des courbes provenant de 18 soufflerie. Les gouvernes ont une efficacit6 mesur~e qui
est plus r~duite aux grandes incidences, dans le domaine de I& vrille (figure 19).
Pourtant cette efficacitb eat bien retrouv~e en simulation en utilisant ces donn~es de
soufflerie. Cela d~montre done que le probl~me de la pr~cision des mesures se pose de
fagon sensible puisqu une caractiristique isportante de la qualit6 de vol de 1 avion A
haute incidence (sortie de vrille) est trouv~e A partir d'un effet mesurk en soufflerie
qui eat relativement faible.

On peut signaler 6galement qu'un 6cart d'un point introduit dana le mod~le sur le
coefficient du moment de roulis (j6Ct = .01) peut modifier tr~s sensiblement I& tenue A
la vrille 6tudi~e en simulation. Ceci illustre limpact que peut avoir une relativesent
faible impr~cision sur lea 6tats d'6quilibre retrouvks.

De plus, Ia pr~cision relative de ces mesures A haute incidence eat nettement
dkgrad~e puiaque i'on conatate A la fois une diminution du signal mesur6 et une augmen-
tation des bruits de sesures. Ceux-ci sont essentiellement d'origine sarodynamique ou
structurale.

Or l'effet de Is gouverne eat d~terminant pour pr~dire la consigne de sortie de
vrille, d'oxO l'importance accord~e par lea m~caniciens du vol A Ia validit6, A la
qualit6 et A la pr~cision des mesures aux grands angles en soufflerie.

3 - BESOINS GENERAUX POUR LAMECANIQUE DU VOL

Compte tenu des commentaires pr~sent~s dans 1 introduction sur notre approche, nous
avons estim6 que Ia m~thode la plus prometteuse pour obtenir lea points de vue des
principaux utilisateura des essais en soufflerie serait de mener une enquete aupr~s de
ces utilisateurs. A cet effet, un questionnaire a 6t6 bAti et distribu6 au sein des pays
de l'AGARD par l'interm~diaire des membres du PMP. Vous trouverez ce questionnaire en
annexe.

Bien que le nombre des r~ponses reques suit relativesent faible, la qualit6 et
l'int~rfit des r~ponses justifient a posteriori Is m~thode utilis~e. Nous nous proposons
de pr~senter une analyse des r~sultats de 1'enqufite. Ti West pas dans notre intention
d'examiner toutes les questions. Nous nous limiterons A queiques- unes. consid~r~es
cosine lea plus importantes et lea plus significatives.

Une des caract~ristiques des r~ponses obtenues eat qu'eles sont tr~s vari~es et
s~me aaaez mouvent contradictoires. NManmoins, une unanimitA tout A fait remarquable a
6t6 constat~e sur l'utilit4 des essais en soufflerie. Pour tous, la soufflerie repr6-
sente aujourd'hui un outil indispensable qui rend des services irremplagables tant dans
le domaine de 1l6tude des performances des avions que dana celui de l'&tude des qualit~s
de vol. 11 eat clair que lea qualit~s des avions et lea progr~s que i'on peut encore y
escompter reposent pour une grande part sur lea essais en souffleries.

Lea deux approches compl~mentaires des essais en soufflerie sont lea essais en vol
d'une part et lea calcula th~oriques d'autre part. L'un des aspects exaniin~s 6tait de
comparer limportance actuelle des easais en soufflerie par rapport au pass6 (20 A 30
ana) . Comrne ii n'y a pas de crit~re objectif po ur juger de cette importance lea r~ponses
donn~es furent subjectives et de cc fait assez divergentes, voire contradictoires. Ii y
a ceux qui affirment que depuis 20-30 ana les calculs th~oriques ont beaucoup progress6
et donq que l'importance des essais en soufflerie a d~crO. A l'opposA, il y a ceux qui
affirment que les besoins en qualitb des r~sultats, en pr~cision, en r~duction des
d~lais, en affinement des performances, ont beaucoup auginent4 sous is pression de Is
concurrencercommerciale et industrielle, et que par cons~quent l'importance des essais
en soufflerie acr0. On ne peut done que conclure quc la question ne peut avoir
aujourd'hui de r~ponse simple et d~finitive. Certains pourraient penser que as nature
eat analogue A celle de la question de savoir qui exiatait d'abord de Is poule et de
l'ocuf. Cela dit, lea raisons fondamentales pour utiliser lea souffleries sont d'abord
un besoin absolu technique car beaucoup de donnAes sarodynamiques indiapensables ne
peuvent fitre aujourd'hui obtenues par calcul. Par ailleurs, pour cc qui eat des essais
en vol, us sont consid~r~s souvent comme tra-p chers pour is recherche et sont trop
tardifs Pour lindustriel. Au moment des easais en vol. ia conception de lavion, compte
tenu des engagements aur lea d~lais. doit 6tre consid~r~e comme fig~e. Seules des
modifications mineures peuvent 6tre raisonnablement envisagkes. Dana certains cas lea
essais en soufflerie sont utilis6S pour tester lea Configurations ou des conditions de
vol pour lesquelles is s~curit6 du vol eat jug~e insuffisante. On peut citer A cet Agard
is certification dun avion de transportoouflea essais de vrilleod'un avion darmes. TUne
autre utilisation cit e des essais en souff1erie eat Is cr~ation d un mod6 e math ma-
tique pour is conception du syst~me de commandes de vol.
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de conception et de d~veloppement d'un nouveau type d'avion, avec lea objectits
suivants:

- optimiser la configuration de l'avion,
- aatisfaire au cahier des charges,
- r~pondre aux exigences de la certification.
- recueillir lea donn~es a~rodynamiques nacessaires A l'6valuation des performances

et qualit~s de vol de l'avion,
- d~terminer lea caract~ristiques principales de nombreux problAmes complexes

flottement, buffeting, d~crochage, vrille...

tMalgr6 l'importance reconnue aux aouffleries et saigr6 la multiplicit6 des objectifs
assign~s aux essais qui y sont men~s, il convient de noter qu'une des difficult~s eat
li~e A la n~cessit6 d'appliquer des corrections aux r~sultats bruts obtenus. La qualit6
et la pr~cision des r~sultats doivent 6norm~ment aux nombreuses pr~cautions et correc-
tions appliqu~es aux mesures. Las principaux ph~nom~nes qui n~cessitent des corrections
sont:

- nombre de Reynolds :en g~n~ral les corrections sont n~glig~es si Re >5 . le.

- influence des supports de Is maquette,

- corrections de parois,

- corrections des imperfections de surface.

Les m~thodes utilisbes sont trds variables, allant de simples ajustements inspirks
par des manuels classiques aux calculs complexes, en passant par des corrections
empiriques appliqu~es parce qushles donnent des rdsultats satisfaisants. En fait,
chaque utilisateur poss~de son propre arsenal de m~thodes de corrections, affin~es au
fjl des anp~es et valid~es soit pour certaines souffleries soit pour certains types
d'avions. En g~n~ral. les utilisateurs sont satisfaits des r~sultats corrig~s par leurs
m~thodes. mais reconnaissent que leur mise en oeuvre n~cessite beaucoup d'efforts et des
pr~cautions importantes. Des imperfections sont signaldes pour Ia trainde en croisibre
et l'6tude de leffet de Sol.

Un autre type de correction concerne non pas Ia soufflerie elle-mrne mais la
maquette essay~. 11 s'agit de corrections de d~formations &6ro~lastiques qui affectent
layton souple, mais non pas ls maguette rigide. Certains n~gligent purement et simple-
ment lea effetsa ero~lastigues, d'autres en tiennent compte par calcul, d'autres enfin
utilisent des m~thodes semi-empiriques (plusieurs esais et interpolation th~orique).

Parmi les nombreux probl~mes techniques pour lesguels on fait appel aux essais en
soufflerie, et reproduits sur IS figure 20, lea plus importants sont

Performances

- D~termination de la polaire avec le syst~me propulaif (en particulier Vh~lice).
- ?fesure de Ia train~e en croisi~re.
- Manoeuvrabilitk d'un avion d'armes. Lea msures effectu~ea en soufflerie peuvent

conduire A d~terminer diverses caract~ristiques telles que :taux de virage, vitsses
angulaires, faceur de charge en fonction du domaine de vol.

Qwaitt~s de vol

- D~termination des coefficients sarodynamiques et de stabilit6.
- D~termination des efficacit~s de gouvernes et dimensionnement des gouvernes.
- D~tersination des forces et des moments de charni~re sur lea gouvernes.
- D~termination de Is VMC.
- Comportement de lavion au voisinage du d~crochage et d~tection de l'autocabrage

(pitch-up).

11 est important de rappeler gue, pour un avion 6quipA d'un syst~me de commandes de
vol &lectriques, is besoin de pr~cision sur certains coefficients earodynamiques eat
fortement r~duit. A titre d'exemple E14] on peut signaler le cas du Mirage 2000 Sur
lequel

-une erreur de 50 % Sur le Ci, (amortissement sarodynamique de roulis) ne change
que de 10 % l'amortissement global de lensemble avion + commandes de vol sur ce m~me
axe,

- une erreur de 100 % urecofien criAC,(lacet induit par I& vitesse de
roulis) modifie tr~s peu hcomportement de l'avion en manoeuvre de gauchissement
(modification de gueiques dixi~mes de degr~s du d~rapage maximum atteint pendant Ia
manoeuvre).
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Cola no vout pas dire qu'il West pas ndceasairo deffectuer una caract~risation
marodynanique complte d'un avion 6quipi do commandos do vol 6lectriques et pourvu d'un
contr.lo actif. La d~finition du syotimo do coumandaa do vol n~cocaite la connaissanco
do toutea la off icacit~a don gouvernom (diroctos at croin~es). Par ailleurs, le bon
fonctionnement d'un ayat~mo do commandos suppose qua co systbae o so trouve pans dens
don conditions do saturation. Or, collos-ci 6tant li~es au cosportement sarodynanique do
lavion, on a Agalaent bosomn do connaitra tous lea coefficients adrodynamiques

* g~n~raux de lavion d'uno fagon muff isamsont pr~ciso.

D'une faqon plus g~n~rale, la pr~cision des assures obtenues on soufflaris eat
conaid~rA. done Vonsesble comma cuff isante, bien quo pour certains problhmos des
exigences tr~s s~vhros soisot pr~sont~oc. A titre doexeaple extras. on pout citer ls
scure do Ia tralnic d'un avion do transport en croisiiro. pour laquelle une prbcision
do 6,5 "count" (16-4) est demandA. bion qu'on obtionna, diii I 'count". Cotta demand.
d'une pricision oxtr~momont forte oxplique par la concurrance antre industrials gui
cherchent l'optinum pour leur produit.

Pour lavion darmes uno valour typique, do 1a prtcision pour 1a trainie en croisibre
eat 2 "counts". Pour la tralnie A basso vitamins at on manoouvra uno pricision do "5
counts" semble donnor satisfaction.

Pour d'autres problimes lea exigences de pricision soot aoina grandos. at de plus
tr~m variables. lea variations pouvant avoir pluaieura Causes:

- nature du problimo technique :on trouvora A cat Agard des explications ditaillies
doe la lire partie de notre exposi,

- type davion avion do transport ou avion darmes.

- utilisateur lea exigence. pour la recherche sont souvent diffirentes do celles
pour Vindustrie.

Enf in, contrairemont A co qu'on pourrait penser, ii eat souvont avanc6 qua la
pricision obtonue an soufflerie eat supirieure A cella obtenue lora d'essais an vol.
D'une fagon plus concrite on a souvent roproch6 aux rksultats dessais en vol d'Otre
difficiloment exploitsblea. A titre d'exemple on paut citer comae causes is connaissance
insuffisante des masses. des diformies a~ro~lastiquea, des inertias, de l'avion en vol
et des conditions r~elles do vol (vitesse, incidence, vent, etc ... ).

Contrairement aux exigences de prkcision qui sont, comae nous Ilavons vu, tr~s
dispersies parmi leo utilisateura des souffleries. ii y a un excellent accord sur leo
cas extrimes d'utilisation des easajsaen soufflerie. Cet accord porte our leg points
stljvants

- risultats trks boos :Ca... et portance en giniral,

- risultats satisfaisants trainie. caractiristique a~rodynamique A bass. vitesse,

- risultats trks mauvais phdnosmrie do buffeting et comportement pris du ddcro-
chage .

Les causes des mauvais r~sultats imputables A ls souffborie peuvent 8tre attribuees
aux phinom~nes suivants

a) Nombre do Reynolds, an particulier en tranosonique at aux grandes incidences.

b) Non reprisentation structural. de la maquette essayie en souffleria.

c) Dens ls loesure 00 par mouvais rdsultats on entend d~saccord entre r~sultats
provonant des essais en vol et ceux: en soufflerie. il arrive souvent qulils peuvent 6tre
attachhs A uno insuffisance d'analyse des essais en vol (miconnaissance das inarties par
example).

Les figures 21 A 28 dooneot quelques exempies do comparaisons entre essais en vol et
en soufflerie.

Parisi lea asiliorotions qui sont demandfies aux souffleries, lea plus importantes
portent our lea points suivsnts

a) Coftt des esi

Le. coft des essaic doit rester una pr~occupation permanent* des souf flours. Les
differentas exigences at amiliorations techniques doivent 6tre jughesaen regard des
conciquencas our be cost den essais an souffleria. A cat fard. on doit signaler quo le
coOt des escais en soufflerie eat inf~riaur sux co~ts dec calculs loraqu'il s'agit
d'identifiar un avion donnA, caest-A-dire effactuor dos essais avec un grand nombre de
conditions d'essais. En revanche una optimisation d'un avion niceacitant IS fabrication
do plusieurs maquottes revient plus char en soufflerie que par le calcul (quand celui-ci
Oct possible).
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b) fljnonsions

Do. diaenxians plus grandes sout demand~es pour pouvoir essayer des maquattes
sotori d s uz grandes, do faqon qu'elies soient bion repr~sentatives des conditions
de ddcolisge ot dlatterrissage.

c) Techniaues do aesuros am~liorA.,

Dans cotta catdgorie on pout citer deux exemples

- techniques des ssures en dynsaique.

- meilleure flexibilit& des assures par exampie ssures des pressions statiques par
des noyens rapidesent Modifiables at non perturbateurs (6viter 1e percoment des trous).

Come on pout 1* conatater dans Ie questionnaire nous avon. esssy* d'avoir I'avia
des utilisatours sur l'avenir des souffleries. Do fagon plus prficise. is question poode
Atait :"Ponsoz-vous qua lea progris qui aeront accomplis dons lea mdthodes at Is
puissance des calculs num~riquos modifioront l'utilit6 des souffleries d'ici 20-30 an.

Cette question appalle encore une r~ponse de type subjectif puisqu'il Wlest pas
raisonnable d'avoir une prbvision exacte de ls fagon dont 6volueront leg performances
des caiculs numdriques. MN~smoins. on constato une tr~s grando convergence parmi les
utiiisatsurs de is soufflorie. L'opinion ghn~rale. bien quo dos exceptions existent, oat
quo Io r~le des souffieries dana I'avenir pourra Otre difthrent as que leur importance
no sara pas diminu~e. Les raisons avanc~es sont les suivantes:

TI est certain quo lea mdthodes do calcul nuadrique feront do grands progris, mai.
ii eat peu probable quo dsns un avenir prdvisible on arrive A calculer des tcoulemonts
3D, avec viacositA (surtout en transsonique) at done des configurations gdoo~triques
trdm complexes (at dont ia complexit6 risque do croltre dens l'avenir). La figure 29
illustre Is distance qu'il y a encore A franchir avant que la calculs no puissant
r~pondre A tous los bosomns. Par ailleurs leg souffleries progrosseront 6galemant, at
lea progrAs dana les calculs ndceasiteront l'utilisation des souffleries pour valider
cc. calculs. Tout progr~s dans lea mdthodes de calcul sera utilis* non pas pour r~duire
l'utilisation des souffieries mais pour en sccroltre is qualit6 et 1'efficacitt, pour
optimiser lea programmes d'essai. Enfin. comae on l's d~j& signal6, dons Ie cas oi ii
ny a pee lieu do fabriquer plusiours maquettes le coOt des essais en soufflerie restera
vraisemblablement. comme il eat aujourd'hui. intirieur au coOt du calcul numtrique.

1. Dens Ie domaine de vol ciassique (faibies angles) is pr~cision des mosuros en
souffleries oat une exigence importenta. Lea bosomns do prdcision. qui peuvent 6tre
quantifies ais~ment, d~pendent do nombreux paramdtres

- typo d'avion
- trajector.
-probl~me technique 4tudi6.

2. Dens le domaine do vol tauxigrands angles la probi~mes de pr~cision do mesure
passant 8u seond plan devant 1; mportanc e et lea difficulths do is msure at do Is
caract6risation arodynamique mAce de 1'avon.

3. Les scuffieries reprdsentent aujourd'hui un outil indispensable et appr~ci6 pour
* les bosomns de Is Mdcanique du Vol.

4. esaliorationa sont ndanmoins demand~es at concernent. outre la pr~cision dans
certeina c~amk

4- les coots,
- les dimensions.
- l'infiuence du nombre do Reynolds,
- lee ph~nom~nee en tranasonique,
- 1s flexibilITA descmacurea.
- 1s capacit6 d'effectuer des essais dynamiques.

5. Do I'avis des utilisateurs Ilavenir des souffleries nest pas menac6 par la
progr~s attendus dana lea m~thodes de calcul num~rique. Bien au zontraire, lea souffle-

rice b~ndficieront do ces progr4a pour am~liorer is qualit6 at 1'efficacitA do laura
asures

L'auteur remorcie Nile Patricia COTOI et N. Robert VKUXTJGGE pour I'aide et les
conseils qu'ila ont apport~s lora do Is pr~paration du pr~sent expos6.

Lille, septoabre 1987
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ANNEXI
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You are asked to add some general comments, when possible, to your answers. The
issues to be addressed with your comments are presented here after. But this list is
not exhaustive and may be completed according to your needs or wishes.

Please note that your comments are probably more important that the answers to the
questions.

A - Reasons for usina wind tunnels

The use of wind tunnel testing during the development process of an
aircraft is so large and so evident that questioning about this may appear
unjustified. However the very reasons may be different from one technical
problem to another. Among the various reasons one may distinguish the
following :

a) Reduce cost and time when compared to flight test,

b) Reduce cost when compared to numerical computation (probably in a limited number
of cases),

c) Absolute technical or/and economical needs

flight test too late and numerical computation impossible or not reliable,

d) Reliability : to confirm the knowledge obtained by other ways,

e) Any others.

B - Wind tunnel testing results gualities

The basic question is : Are the wind tunnel test results in agreement with the

real flight test results ? The comments may concern

a) the physical phenomena observed,

b) the ei--ments accuracy.

In case of disagreement, please comment on suspected reasons (scales, wall
corrections, .

C - Wind tunnel testing results reguiregments

These comments should follow the previous ones when the agreement is not
satisfactory. Again the requirements may concern

a) the physical phenomena observed,

b) the measurements accuracy,

c) any others.

D - The win tunnel teetina rsultl utiligation

Some comments may be made such as

a) the use for aircraft identification,

b) the use for aircraft design,

c) any others.

. T_ _ _

., . , , , .A
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QUITZOMUMAX

1 - The wind tunnels testing are usefull and important rather for

Transport aircraft Fighter

Performance

Handling qualities

Soth

Pl se Cumnt

2 - What are the most important technical problems concerning the performance Cf the
aircraft studied in the wind tunnel ?

3 - What accuracy do you obtain on the performance results ?
Please comment on the required accuracy (in particular for drag evaluation).

4 - What are the most important handling qualities problems studied in the wind
tunnels ?

Please comment also the relative importance of aerodynamic stability coefficient
and control surfaces efficiency in relation with the aircraft control system.

5 - Do you use wind tunnels for :

a) Study the unsteady phenomena ?

b) High angles (attack and yaw) behaviour ?

c) Spin ?

6 - How do you take into account the aeroelastic defornation of the aircraft studied on
model in the wind tunnel ?

7 - What kind of corrections do you apply to the wind tunnel measurements (Reynolds
number, power effects, ...) when applying to performance and flying quality
evaluation ?

Could you indicate the methods used ?

Are you Aatisfied with the obtained date ?

8 - Could you comment on the methods used and the results obtained in the wind tunnels
concerning the differences between the static phenomena and dynamic phenomena ?L

9 - Could you comment on the use of wind tunnels for some particular problems such as

a) Buffeting

rb) Horizontal tail stall

c) Ground effect

d) Any others

10 - What are, according to your knowledge, the areas and the reasons where the
agreement between the wind tunnels and the real flights tests are

a) Very poor

b) Just acceptable

c) Very good

11 - What improvements are advisable or needed in the wind tunnels capabilities for the
flight mechanics problems ?

') 4.,.. " '

-- $
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12 - The importance and the usefulness of the wind tunnels, when compared to the 20-30
years ago situation, is (accuracy, nature. ... )

a) Rather increased

h) Rather reduced

c) Identical

13 - Do you think that the improvements expected in the power and the reliability of
numerical methods will reduce the usefulness of the wind tunnels or change the tet
purpose in the forthcoming 20 years ?

Please comment your answer.

._________._ _______.,__________________-___
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WIND TUNNEL REQUIRE4ENTS FOR CONPtJIATIONAL
FLUID DYNAMICS CODE VERIFICATION

Joseph G. Marvin

NASA Ames Research Center
Moffett Field. California

SUMMARY

The role of experiment in the development of Computational Fluid Dynamics (CFD) for aerodynamic flow
field prediction Is discussed. Requirements for code verification from two sources that pace the develop-
ment of CFD are described for: (1) development of adequate flow modeling, and (2) establishment of confi-
dence in the use of CFD to predict complex flows. The types of data needed and their accuracy differs in
detail and scope and leads to definite wind tunnel requirements. Examples of testing to assess and
develop turbulence models, and to verify code development are used to establish future wind tunnel 

t
esting

requiremnts. Versatility, appropriate scale and speed range, accessibility for nonintrusive instrumenta-
tion. couterized data systems. and dedicated use for verification were among the more important require-
ments identified.

1. INTRODUCTION

Computational fluid dynamics (CFD) il gxpected to play a prominent role, along with wind tunnel test-
ing. In the design of aerospace vehicles." Such expectations and optimism are based on the premise that
the continued development of CFD, coupled synergistically with the new developments in instrumentation and
test techniques, will provide a clearer understanding of complex flow phenomena and lead to more efficient
and more ambitious designs. However, the pace of CFO introduction in the design process, and the sophis-
tication of its application, will depend largely on the designer's confidence in the computational
method. Experiments that verify CFD are an essential part of the confidence-building process because
mathematical approximations, limited computer capacity, and uncertainty in model ng various physical pro-
cesses lead to compromised solutions to the complete set of governing equations.1

The topic of CFD verification is currently being debated. It is a relatively new concept that
depends on closely coordinated planning between computational and experimental disciplines. Because the
code applications are becoeing more complex and the regions of interest are diverse and wide-ranging, it
no longer suffices to use experimental data from integral or surface measurements alone to provide the
required verification. Flow-physics, flow-field, and boundary-condition measurements emerge as critical
information in this regard. Furthermore. measurement accuracy requirements must be examined from a new
perspective.

As a consequence of this evolutionary status of code verification, before defining the wind tunnel
requirements it is important to establish what we man regarding the role of experiment in the development
of CFD. The author and his colleagues have experience in this regard, as our experimental effort has for
some time been closely allied with the CFD effort at Ames Research Center.

This paper, therefore, will begin by briefly describing the status, future direction, and pacing
items of CFD technology development. Requirements for code verification from two sources that pace the
development are then described. The first of these requirements involves experiments to establish phe-
nomenological input for situations in which understanding of the flow physics is limited. The important
problem of turbulence modeling for aerodynamic flows will be used as an illustration, but other examples
(such as high-temperature, reacting-gas physics with simplifications to account for radiation and mass
transfer, or vortex interactions within developing flow fields over aircraft at high Incidence) also could
have been used. The second requirent involves experiments that establish the confidence limits on CFD
predictions of complex flows over parametric variations such as Mach and Reynolds number. Examples for
external aerodynamic flows are used, but internal flows, rotating flows, or unsteady flows would also
provide good Illustrations. The wind tunnel and accuracy requirements naturally ally themselves with
these verification requirements and they are discussed in the final sections of the paper.

2. STATUS AND FUTURE DIRECTION OF CFD

2.1 Statlu

CFO has experienced volatile growth and a measurable degree of maturity over the past decade. The
point can be illustrated by referring to Fig. 1. In the mid 1970's, to predict the entry heating environ-
me over the Space Shuttle at flight conditions (which cou'd not be duplicated in the wind tunnel), it
was necessary to reduce the problem to manageable proportions. This was done by approximating the com-
plate configuration with simple geometries (Fig. la) that were amenable to computation. The choices were
bosed on extensive wind tunnel test data from the complete configuration compared with inviscid coute-
tionS over the Simple configurations, coupled with boundry-layer solutions. Leeside, separated flow
computItions were not possible. Today (in contrast), calculations of the entire Shuttle flow field and
surface heating, lnj luding the leeside. are being accomplished by solving the Reynolds-averaged, Navier-
Stokes equations. - A computer-generated surface geometry used for one such calculation is Illustrated
In Fig. lb. Solutions of the time-dependent fore of the equations are made in the subsonic regions, and
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solutions of the parabolized thin-layer laminer form of the equations are used In supersonic regions.
Equilibrium gas properties have been incorporated and the results compared with flight data.4 The main
driving forces in the advancement were access to large, fast cmuters and significant advances in algo-
rithm development.

2.2 LFtur Dtrn

The future direction of CFD is toward even more imbitious applications involving complex geometries
and their attendant flow fields. For examle, pathfinder computations elloying Reynolds-averaged.
Navier-Stokes equations will be obtained for a complete fighter aircraft, th flow around a hypersonic
vehicle, the internal flow An the turn-around duct of the Shuttle main engine and the unsteady flow
through a compressor stage. Such computations test the limits of CFD technology development and the
spinoffs from the successes and failures of such computations are expected to spur new development. But
the ultimate success of such technology development depends, to a large extent, on addressing and solving
the important issues still pacing the development of CFD.

2.3 prinqg Ttn,

Som of the more important issues pacing the development of CFO ar shown in Fig. 2. Solution meth-
odology, grid generation, and computer power were discussed by Kutler. Flow modeling and code verifica-
tion, which rely heavily on experiment, are two additional issues that establish the important link
between computation and experiment. Flow modeling is required in instances in which the physics is poorly
understood or is so complex as to make 'brute-force' computation impractical. Irqrtant examples are
turbulence models for closure of the Reynolds-averaged, Navter-Stokes equations U. ; transition from
laminar to turbulent flow; and high-temperature gas physics related to hypersonic flows. Code verifica-
tion is required to establish the limits of accuracy of the computations, particularly as the complexity
of the flow increases.

3. EXPERIMENTAL REQUIREMENTS

3.1 Role of Fxperinnts

A framework for describing the important links between experiment and computation is shown in
Fig. 3. Experiments are required at each stage of code development. Research codes refer to those in
which the ability to predict a particular, and usually idealized, flow phenomena is first established.
One or two researchers are involved in developing the code, and no documentation is available. At this
stage, experiments that are referred to as 'building blocks' are needed. These provide the
phenomenological data required to understand the flow physics, to quide flow-modeling processes, and to
ultimetely verify the computational development for the particular problem at hand. Pilot codes refer to
a more advanced stage. Documentation Is more complete, the code may be operated by others besides the
researchers Involved in the original development, and the envelope of problem application Is expanded. At
this stage, benchmark experiments peculiar to the various applications are required to provide the param-
etric data that establish accuracy limits on the computations. Subsequently the code would advance to its
ultimate development stage when It could be used alone (or even be combined with codes from other disci-
plines such as structures or propulsion) and applied confidently in the design process. Configurational
data from wind tunnel experiments would be needed to verify performance.

The distinction between the various stages of development outlined here Is idealized, and not always
4. evident In practice, because of the dynamic nature of CFD and its wide-ranging possibilities for solving

many different problems; but the framework depicts how experiment and computation, working together, could
accelerate the pace of development at each stage and even between the various stages. Of course, the
implication here is the need for close coordination between experimental and computational disciplines.
For the remainder of this paper, the first two stages of development will be emphasized along with their
wind tunnel requirements.

3.2 Ma urmnt equir.nmntc

Each experimental stage must provide specific information that will enable a critical assessment of
computational capability and accuracy. Some examples of key measurement requirements are listed in
Fig. 4. These measurements are only representative and are germane to the technological development for
Reynolds-averaged, Navier-Stokes equations for fully developed turbulent flows.

Building-block experiments must document sufficient information on flow phenomena to provide 1) an
understanding of the flow physics, 2) guidance for modeling the turbulence, and 3) a critical test of the
code's ability to simulate the flow. Surface variables and flow variables, including turbulence
information, are essential. Som phenomenological experiments that focus on new flow physics or basic
understanding of turbulence may be performed at incompressible flow conditions, but measuremts will be
required ultimately at representative flight Mach numbrs and Reynolds numbers if simulations of actual
flow phenomena are to be tested.

Benchmark experiments mst provide sufficient information to test the ability of codes to perform
adequately over a range of flow Conditions or for a variety of geometries. Detailed measurements on tar-

,, ; - :j(bulence modeling physics are not essential, but parametric testing over as full a range of flight Mach
numbers and Reynolds numers as possible will be necessary to provide an accuracy assessment of the

I
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computational methods. With the renewed emphasis on hypersonics, flight experiments my become essential
elemets of the process because ground based facilities my lack adequate flight simulation capability.
Code failures at this banctmarking stage may suggest further need for building-block experiments and a
synergistic evolutionary development my follow.

Design experiments at the final stage provide the optimal configuration data necessary for perfor-
mance evaluation and the experiments should be carried out as close to flight conditions as practical.
CFO is expected to expedite the execution of these experiments by eliminating the need for very fine
increments In parametric variations and by helping resolve any anomalous data sets.

Careful measurements of free-stream and boundary conditions are required at all stages because they
may influence the flow field around the test models. This Is particularly important for transonic
flow-. Moreover, these measurements are often required to initiate computation or are approximated in the
computation.

3.3 Instrmetatin. Tremd%

The outlook is promising for making the measurements required to guide and verify computations, such
as those listed in Fig. 4, because impressive advances in instrumentation develoment and data acquisition
have taken place over the past decade. Some examples of this development trend are shown In Fig. S.
Prior intrusive techniques are being replaced by nonintrusive ones and the lasor has emergedys the device
that "mJIsluch applications possible. Measuremenjj. such as velocj and its fluctuations.
densty * and temperature and its fluctuations,

z  
skin friction, and model position and attitude 6

are now possible. These advances will have an Impact on future wind tunnel requirements to be discussed
later in this paper.

3.4 B idi

An example of a building-block experiment Is shown in Fig. 6. This experiment, in conjunction with
CFO, was used to guide the development of an improved turbulence model for airfoils at transonic flow
conditions where strong shock-wave boundary-layer interactions occur. The test model consisted of a
cylindrical body. fitted with a circular-arc section. A transonic flow developed over the circular-arc
section similar to that on an airfoil, and shock wave interactions of varying strengths were studied by
varying free stream Mach numbers. The choice of an axisymetric geometry and the long cylindrical section
was made to eliminate three-dimensional effects and to develop a viscous interaction region of sufficient
scale to allow detailed nonintrusive measurements. Mean flow and turbulence profiles, obtained with a
Laser DopplqF Anemometer System (iLA). and surface quantities such as pressure and oil-streak data were
documented." The model was tested In two facilities, the Pms 2-ft by 2-ft and 6-ft by 6-ft wind tun-
nels, to evaluate the Influence of wind tunnel boundary conditions. (No significant influence occurred.)

Computations of the flow field from a Reynolds-averaged, Navier-Stokes code revealed deficiencies in
the turbulence modeling. By using a model developed by Cebeci and Smith, primarily for attached boundary
layers, the shock wave location was predicted incorrectly and consequently the pressure recovery was seri-
ously overpredicted. The man-and-turbulence-profile data from the IDA measurements were used to explain
the differences and guide modeling improvement. The primary cause of the pressure recovery over-
prediction was the failure of the eddy viscosity model to adequately reflect the lag of turbulence adjust-
ment through the shock wave and the resultant underprediction of the displacement thickness influence. By
using modeling concepts in conjunction with the turbulence data, a significant model improvement was
developed. In particular, the "history effects' of the turbulence changes through the shock wave were
accounted fol by prescribing and solving an ordinary differential equation for the maximum shear stress
development. Modeling constants were determined using the turbulence data in conjunction with computa-
tions. Thg improved model results are shown in Fig. 6. The model has been introduced in two airfoil
codes.

19
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Additional studies are under way to determine the range of applicability by making cmpart-
sons with other benclmark experimental airfoil data.

3.S Sawbacks

An example of one of these benclark experiments
2 is Illustrated in Fig. 7. The test model con-

sisted of a supercritical airfoil section. It was mounted in a specially designed test section with solid
walls. Boundary layer suction was applied ahead of the aWrfoil on the sidewalls to minimize interference;
the upper and lower walls wae contoured to strain-line shapes that ware predetermined by computation to
account for the presence of the model, which further minimized interference, Tests were performed at a
Reynolds nuiber of 6 W 10P, based on chord. and angle of attack and Mach numer ware varied over a range
sufficient to produce transonic flows covering weak and strong shock- wve boundary-layer interaction and
attendant displacement effects. The boundary layer was tripped on the upper and lower model surface to
ensure turbulent flow beyond 7S chord. Nodal pressures, wall boundary pressures and shapes, total drag,
lift, and flow field and wake velocities from an UBA system were docmented. A data base of this type
(with minimal Interference from a tunnel with solid walls) provides an Ideal basis for evaluating the
development of codes for the transonic speed range because the codes can include the wall boundary condi-
tions we precisely than interference corrections can be made to the data sets.

The data are being used to assess the Influence of plnce modeling on transonic airfoil cut-
I tions and to verify the development of a transonic code.cu  At present the code does not include the solid

.tunml well boundary conditions, but a preliminary assessmnt using this benchuar data indicates that the

•. !
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code ides very good simlation for the strong Interaction cases whn the Johnson-King turbulence
mode1 is splao d. Results of the compaisons for om strong Interaction cue (where separation
occurred at the trailing edge) are shown In Fig. 7. The airfoil pressures, flow field velocities at con-
stant heights above the model, end a wake profile at the trailing are compared with coputations
using two different turbulence models, a two-equation (q-w) od1,9'and the Johnson-King (J-K) model.

1 9

The cmperison Shows that the coputations using the Isiv JohMI-Ktng turbulence model simulate$ the

maserments very well. It is Important to emphasize tht this conclusion could rot have boon draw with-
out the complete do set composed of total dreg. lift. boundary condittions. and flow field surveys.

4. WINO TUML REQUIRMNTS

The requrements for future wind tunnels used to verify CFD naturally result from our previous dis-
cussions an the rle of experimt In the dvelopment at CFO. The most important of these requireents

are: 1) verstility. along with well-defined test and boundary conditions; 2) appropriate scale end speed
range; 3) accessibility of nonintrusive instrumentation; 4) provision for high-speed data systems; and
5) dedication of use to verification-experimentation. Some exmples should help to develop these points| further.

As discussed previously. CFD appli.etions are expected for a variety of aerodynemic flows over a wide
speed range. Use of large, fast computers, which can timeshare among problem applications, means that the
time eedd to perform a variety of cost-effective computations will be far less than the tim to design
and perform comanion experiments. Nevertheless, the computations still should be verified to ensure
confidence In the results, and a limited nmIer of well-thought-out, cost-effective experiments will be
needed. Versatility must be kept in mind when considering facilities to accommodate these experiments.
This is particularly true for the building-block studies In which phenomenological information will be
required for a wide variety of flows and for the verification studies In which wind tunnel boundaries are
critical (as In the transonic-speed regime) and my have to be modified from test to test.

The Ames High Reynolds Nmer Channel facilities provide an example of versatile design. These
facilities, shown in Fig. 8. operate in a blow-down mode over a speed range from subsonic to supersonic
(Mach - 3 maximum). Test section dimensions are 10 in. by 15 in. and 16 in. by 24 in. for channels I
and 11. respectively. In subsonic application, speed is varied through a downstream choking device. At
supersonic speeds individual nozzles designed for the desired Mach numbers are used. Air from a large.
high-pressure storage system provides the capability to operate at high Reynolds umber, and run times are
sufficient to collect the types of date required for modeling and benchmark experiments. The test
sections are replaceable and are considered to be part of the test model. In this way, separate
experiments dedicated to a particular test section can be interchanged without dismantling the entire
setup, and reentry into the ftacility can be made to clarify or expand upon certain data sets. Savings in
setup time, and the ability to perform several experiments in series, are the obvious advantages of such
an arrangement.

Key building-block and verification experiments have been performed in these tunnels. Figure 9 shows
geometries for some of the experiments performed In channel I, which can be equipped with either a rectan-
gular or a circular stagnation chmmber inlet. S of these experiments were used by the international
comunity at the 1911-2 Stanford Conference as test cases for evaluating the ability of codes to predict
complex turbulent flows. Channel II Is now configured for airfoil experiments. It uses shaped, solid,
upper and lower wells and side-wall, boundary-layer removal as mentioned in the previously described

benchmark experiment.

4.2 Anpropriata tcal. and SneaM

Similitude Is an important aspect of testing to validate CFO development. lications of CF] will
encmpass Internal as well as external aerodynamic flows, so the anticipated ranges of scale and speed in
facilities employed for verification will be broad, indeed. An exaple of the Mach-numer. Reynolds-
number domain for external aerodynamic flow over an aerospace vehicle is shown in Fig. 10. A mean aerody-
nemic chord was used as the length scale in the Reynolds number. The hypersonic regime is typical of
vehicle entry conditions. In this case it depicts the nominal Space Shuttle vehicle trejectory condi-
tions. CFO applications and attendant verification studies are certain to arise over the speed regime
from subsonic through hypersonic. A critical need for high Reynolds number capability occurs In the tran-
sonic and low supersonic regions, and In the hypersonic regions for exit trajectories associated within
the latest aerospace plane concepts. It should also be noted that at hypersonic speeds the associated
enthalpy and vehicle scale may preclude ground-hased similitude, so flight verification experiments of
important flow phenomena (such as reacting chemistry, radiation, and transition) may be necessary. Fortu-
nately the viscous phenomena, important to vehicle stability and control, can usually be duplicated In
gound-bsed verification experiments that test at the appropriate Rich and Reynolds numbMers, In the
absence of true enthalpy simulation.

Although scale is reflected In the test Reynolds umer, actual model dimensions are also Important
because details of the viscous regions mst be measured in some experiments. In this regard, model sizing
mast take account f the achievable resolution scale of the instruments to be ployed. We have found
that facilities with test Section areas of I to 2 ft

2 
have been quite satisfactory for use In building-

block experiments. In our LDA applications, we achileved spatial resolution to within 0.01 In., which was

-
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sufficient to provide viscous proile data. But in sm of these experiments, the viscous region under
study hd to be deeloped alog the tnnl wlls to achieve a e profile resolution. For verification
in uerients of complex aerodynmic geometries. model dimensions of about I to 2 ft my be required to
resolve viscous regions, so larger tunnels my be wore appropriate.

4.3 ftUuLLmnR

-Nintbasive Instnaimntation will play an increasingly important role In expriments performed to
verify CFD. Therefore another important requirenmt for fecilities perforeiing such experiments will be a
provision for optical aess. Furthimore, thre-dimensional flows will comprise a majority of future
studies, end accessibility for a wide range of viwing perspectives is desirable. Open-jet, test-section
facilities provide the best access, but confined test sections are more conventonal. Access requirements
for the letter my present a formidable challenge, but successes have been achieved, as ilustrated next.

The two-coonent laser velocimeter systm. 12 
which was used to measure the flow field velocities and

turbulence quantities in the airfoil experiments performed In High Reynolds imber Channel 1! discussed
previously, is shown in Fig. 11. The requirement was to provide nonintrusive test data In a high-
Reynolds-nmer transonic test tunnel enviroment. The facility utilized a pressurized test cabin. The
laser and Its dual-bemm-sending optics are mounted outside and on the top of the cabin, and a translating
mechanism (equipped with inner optics and located inside the cabin) provides accurate, rapid, prepro-
grmied positioning. Fiber optics are used to collect the forward-scattered light from the focal volume
in the test strdm and to transmit it to the photoltiplier tubes located outside the cabin. Optical
access into the test stran Is provided by glass window located In the model turntable and in the side
walls dWntreem, in the vicinity of the model far wake. Experience to date with the systm shows that
stable optical aligment can be maintained during blo dow runs and from blown-to-blWdon.

It should be noted that there is a need for developing nonintrusive measuring devices with better
special resolution, especially for three-dimensional applications.

4.4 rm*, tt y*

The quantity and scope of the data needed for verification, the sophistication of new instrumenta-
tion, and the need for close coordination between experiment and computation all require that a computer-
ized data system be provided. The system should provide control for tunnel and instrument functions,
acquire data, perform arithmetic operations, and act as an interface between CFD users and the experimen-
talists. It should provide real-time data acquisition, especially if the tim-dependent phenomena are
encountered. Expert systems could be incorporated for faster and are accurate data acquisition.

An idealized system Is depicted in Fig. 12. The kernel is a main computer with sufficient capacity
and speed to perfom mltifunction tasks. For example, It would have comnd and control functions for
smaller computers used to control and/or comeand tunnel and Instrumentation operations; acquire low- and
high-level data directly or indirectly; perform arithmetic operations to reduce the data to the desired
foe; direct data to storage or output devices; and make comparisons with computations. Importantly, it
would Interface with both the experimental fluid dynamics (EFO) and CFD user networks so that data camper-
isons and test decisions could be made In a synergistic fashion.

4.5

Accurate, redundant (in some instances), and detailed measurements, often employing state-of-the-art
Instrumentation, are required in the experiments used to verify CFO. Inevitably. equipment breakdows and
data anomalies will arise so that retesting for clarification, and even further investigations using dif-
ofernt instrumentation, my be needed. Sufficient time to conduct the comprehensive experiments will have

to be provided. Therefore. dedicated equipment and test time, specifically for these experiments will
have to be provided if timely developments are to occur.

S. DATA COMPLETENESS AND ACCURACY REQUIREMENT

Assessing the accuracy and predictability of CFD codes and their turbulence models requires special
attention to data cmpleteness and accuracy.

S. I gRam &Sms

The cmpletness reqluirments for a building-block experiment to study turbulence modeling of a
supersonic shock-wave, boundary-layer interaction in the vicinity oa compression corner is Shown in
Figs. 13 and 14. In such flows unforced shock unsteadiness occurs, and laser velocintor measurements
of man and fluctuating flow quentities oust take account of the unsteediniss to avoid misleading inter-
pretations regarding modeling.

A typical joint probability distribution function (JPF) of velocities is shiam in Fig. 13 (which is
taken from lof. 22). The geometry is an axis)motric cylinder flare. The J9W was obtained at a location
In ti autr mundary layer along the flare amd downtream of the men psition of a separation sheck
wave. The bimedality of the distribution is particularly evident id is strongly indicative of steedy

* shock wve motion. The to peaks, labeled s and s are representative of velocity states upstream and
downstroem of the separation shock wve. Witl each of these states Is associated a total probability of
occurrnce (P nd P2 I PI). man velocities (Ul, u2 and v1, v2), turbulent normal stresses, and

: fo/1- -'
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turbulence ~ stresses. A stright-forward analysis reveals that the difference in mean values (uL -
ul) and (v2 - v1 ) for the to states contributes to the stresses. The shear stress contribution due
unstaanss is -plp (u, - u,)(vi - v2) and was msured to be 76 of the total shear stress. This con-
tribution to the oal Reynolds stresses is due to an organized or coherent motion of the shock rather
than to Incoherent or dissipative turbulence.

Figure 14 shows zero-drag particle paths in a plane of symetry for a three-dimensional copression
surface achieved gemetrically by tilting the flare axis relative to the cylinder axis. Velocity measure-
mants from an OA ware used to construct the paths by conditionally smpling the date on the basis of
shock position (e.g.. shock forward, shock back) and by using all date representing the long-time man.
Theme are cmpared with solution fru the Ieynolds-avereged. levier-Stokes equations which employ an eddy
viscosity turbulence model. The separation location moves considerably. and even the long-tim mean co-
puter simlations do not compere favorably with the experiment. Turbulence data are also available so
that flow unsteadiness can be separated from the random turbulence, end these date will be used to guide

iprovements In modeling.

5.2 AcawAy

CFD validation will ultimately depend on a thorough undarstandIng of the algorithm limitations. and
the influence and physical basis of grid density. It will require experimnts that verify the ability of
the code to accurately model, for a range of practical parameters, the critical flo physics and its con-
sequent flow behavior around earodynmic shapes. The latter can occur only when the accuracy and limita-
tions of the experimental date ae known and thoroughly understood. We have already discussed the various
types of experiments in our idealized scenario for development that are depicted in Fig. 3. Currently.
the validation process is hmpered somehat by the lack of adequate instrumentation and ground-based
facilities to cover the range of anticipated applications. Therefore. redundant measuroemnt techniques,
similar experiments perfomed in more than oe facility. and careful substantiation and specification of
experimental accuracy limits will be necessary. Such requiram s make it essential that the coaputa-
tional and experimental disciplines be carefully coordinated.

6. CONCLUDING REMARKS

Experiments play a critical role in the development of CFD. They provide the phenomenological data
to help In the process of flow modeling and they provide the verification necessary to instill confidence
in the coputations.

A synergistic approach. comprising closely coordinated experiments and coautations at all levels of
computational development, was described in order to set the groundwork necessary to develop requirements
of facilities to be used to verify CFD. Building-block experiments, which address fundamental phenomeno-
logical questions, were described. Experiments of this type require more comprehensive sets of data. In
these instances, waft sophisticated instrumentation would be the norm rather than the exception. Bench-
mark experiments word described next. These experiments Identify the accuracy and limits on our ability
to cmpute complex flows. The types of data required differ from the more fundamentel experiments in the
sense that phenomenological issues are not investigated in detail sufficient to identify their causes.
Data accuracy and copleteness requirements were also noted.

The idealistic breakdown of the experiments and measurements described helped to identify the more
important requirements for wind tunnels to be used to verify CFD. Versatility, appropriate scale and
speed range, accessibility for nonintrusive instrnmentation. couterized data systems, and dedicated use
for verification were amng the more iportant requirments Identified.

REFERENCES

1. Chapman, D. R., 'Comutational Aerodynaeics-Develop ent and Outlook.* AIAA J., Vol. 17, Dec. 1979,
pp. 1293-1313.

2. Reinecke, G. *Forecasting the O0's," Astronautics & Aeronautics, Vol. 19, 3ul/Aug. 1981. pp. 46-47.

3. Comittee on Coamputational Aerodynamics Simulation Technology Developments, "The Influence of Compu-
tational Fluid Dynmics on Experimental Aerospace Facilities. A Fifteen Year Project,' National
Research Council, National Acadey Press, Washington, D.C., 1983.

4. Prabhu, D. K., and Tannehill, J. C., 'um-erical Solution of Space Shuttle Orbiter Flow Field Includ-
tng Real Gas Effects,' AIM J. of Spacecraft and Rockets, 1987.

5. *izk, Y., N., and Ben-Samel, S., 'Computation of the Viscous Flow Around the Shuttle Orbiter at Low
Supersonic Speeds," AIM Paper 88-016, Renm, NV, Jan. 1985.

6. ilst, T. L.. Kaynak, U., uady, K. L., Thomes. S. D., Flores, J., and Chaderfian, N. N., 'Namerical
Solution of Transonic Ming Flows Using en uler Navier-Stokes Zonal Approach,' AIA Paper 8S-1640.

JCincimmeti. ON, Ju1. IM .

Zi__ _ _ _ __ _ _ _ ___ _ _ __ _ _ _ __ _ i
' "° i*



34-7

7. Cheng. J. L. C.. end Kwmb, D.. 'A Three-Dimensionel Incompressible Flow Simulation Method and Its
Application to the Spa.e SWetle Main Engine, Part 11 - Turbulent Flow.' AIMA Paper 85-1670.
PAMa. W. Jan. 1984.

S. Rai. M. M.. ffviw-Stke Siwlations of Notor-Strator Interaction Using Patched and Overlaid
Grids.' AIMA Paper WUIJJ.. Cinotneetti, OH, Jul. 1906.

9. Nutlet. P.. OA Perspective of Theoretical and Applied Computational Fluid Dynamics (SP).1 AIMA J..
Vol. 23. Ne. 3, Me. IMS. pp. 328-341.

10. Nvm. J. a.. 'Turbulence Modeling for Comutational Aerodynmics.' AIM J.. Vol. 21. No. 7. Jul.
IM0, p. 941.

11. Labehelnarayena, B.. "Turbulence Modelling for Complexc flows (Invited Paper), AIMA Paper 85-1652.
Cincinnati. ON. Jul. 1985.

12. Seapiller. H. L.. Bader, J. B.. Cooney, J. P.. Deloung, A.. Donaldson. ft. W.. Jr., Gunter. W. D..
and Harrison. D. R.. 'Development of a New Laser Doppler Velocivaer for the Ams High "enIds Chan-
nel Ho. 11.1 ICIASF 185 Record. IEEE Publication 85CH2210-3. Stanford Univ.. CA. Aug. 196.

13. Dunegan, S. E.. and Brown, J. L.. 'A Holographic Interferametric Study of an Aiisymeatric Shock-
tiave/Soundary-Layer Strong Interaction Flow.' AIMA Paper 85-1564, Cincinnati. 00, Jul. 1985.

14. Logan. P.. and McKenzie. It. L.. 'Uncertainty in Hot-Wire Measurement of Comressible Turbulent Flows
Implied by Cmarison with Laser-Induced Fluorescence,' AIMA Paper 8060M. Rea, NV, Jan. 1986.

15. Monson, D. 3.. 'A Laser Inteferometar for Measuring Skin Friction in Three-Dieensional Flows,' AIMA
Paper 83-0385, Reno. HV, Jan. 1983; AIMA J., Vol. 22, Ho. 4, Apr. 198. pp. 557-559.

16. Holmes, 0. K., 'Model Measurements in the Cryogenic National Transonic Facility - An Overview."
ICIASF '85 Record. IEEE Publication 85CM2210-3. Stanford Univ., CA, "o. 1986.

17. Bachalo, W. C., and Johnson, 0. A.. 'An Investigation of Transonic Turbulent Boundary Layer Separa-
tion Generated on an Axisynetric Flow Model.' AIM Paper 79-1479, Wllimsburg, VA. 1979.

18. Johnson, 0. A., 'Predictions of Transonic Separated flow with an Eddy-Viscosity/Reynolds-Shear-Stress
Closure Model,' AIMA Paper 85-1683. Cincinnati. ONl, Jul. 1985.

19. Johnson, 0. A., and King. L. S.. 'Transonic Separated Flow Predictions Based on a Mathematically
Simple. Monequilibrium Turbulence Closure Model.' IUTMI Symposium, Paris. France, NASA TM4 86826. Oct.
1995.

20. Coakley. T. J., 'Numerical Sioulation& of Viscous Transonic Airfoil Flows,' AIMA Paper 87-0416,
Roma. NV, Jan. 1987.

21. Mteor. 6. 6.. Seegiller. N. L.. Coakley. T. J., and Hand, L. A., 'An Eicperimentml Investigation of
a Supercritical Airfoil at Transonic Speeds.' AIMA Paper 87-1241. Honolulu. HI. Jon. 1987.

22. Bowun, J. L., Kussoy, M. I.. Coakley. T. J., 'Turbulent Properties of Axisysmetric Shock-
Wave/Boundary-Laye Interaction Flows.' In Turbulent Shear Layer/Shock Wave Interactions. Spxinpr.
karing, Berlin Heidelberg. 1986.

On 0, IT



344

x - 200,ik x -500 in. x -00 i.

*1

Figure 1 Mautinof CFD over the post decade f.)r Space Shuttle Aerothermodynaieics. a) Circa 1974:
equialet shpesandsolutions from inviscid and boundary-layer equations. b) Present: complete geometry
andsoltios fomReynolds-averaged, Navier-Stoces equations.
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Figure 2. Issues pacing the development of CFD. Figure 3. The role of experiment In the developmt
Of CFO.
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MEASUREMENTS
EXPERIMENT (REPRESENTATIVE FOR TEST CONDIT IONS

TURBULENCE MODELING)

SURFACE QUANTITIES
FLOW FIELD OUANTITIES

BALDING BLOCK TURBULENCE RPEETTV
PHNOEOLGCA) INDIVIDUAL. STRESSES RELIGHETATIVE(PHENOENOLOICAL) CORRELATION LENGTHS FIH ,.R

STRUCTU.RE
BOUNDARY CONDITIONS

SURFACE QUANTITIES
BENCHMARK FLOW FIELD QUANTITIES VARY M. Re, a OVER

IPARAMETRtCAL) ISELECTED LOCATIONS) FLIGHT RANGES
BOUNDARY CONDITIONS

DRAG, LIFT, MOMENTS.
DESGNHEAT LOADS., SHEAR LOADSI AS CLOSE TO FLIGHT

I(CONFIGURATIONAL)I BOUNDARY CONDITIONS IM, Re. *AS PRACTICAL

Figure 4. Key measurement requirements of experiments Supporting development of Reynolds-averaged.
Kavier-Stokes codes for fully developed turbulent flows.
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Figure 5. Advances In instrumetation development over the pest decade.
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Figure S. Aus High Peynolds Number Chameis. a) Channel 1. b) Channel 11.
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Figure 9. Experiments performed in a versatile wind tunonel.
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AERODYNAMIC DATA ACCURACY AND QUALITY-
REQUIR3MTS AND CAPAILITIES IN WIND TUNNEL TESTING

Noples, Italy
28 September - I October 1987

ROUND TAMN DISCUSSION

Prof. 1or~

At the o this Sympoium we will have two things, first the report of the technical evaluator and thenthe dlscuson. The techaical evaluator is T.E. Laster who will now speak about this Symposium and
summrize his feeling of the presented talks.

Dr. [aster
TTI-"a-nayo a problem to try to stearise such a variety of activities and papers that we have heard
during a Symposium. At first I thought in terms of trying to give a rather extensive detailed account of
a number of things here, but then I learned that our time is shorter than I expected. but there are some
points that are worth bearing in mind with respect to this Symposium. The theme of the Symposium was very
ell stated in the brochure. There are basically three questions in there that are very well stated. In

a minute I propose to go beck and address those three questions and whether or not I think that this
Symposium has addressed them or not.

There is one problem that permeated throughout the Symposium I noticed while listening to the papers which
goes all the wy from tha title of the program to the content of some of the papers. That deals with
terminology that we are using here in tha windtunnel comunity. I as a part of that problem in that I had
a hand Is establishing the title of the Symposium itself. That word "accuracy" is the one that really
throws me. Actually we have used several terms here somewhat Interchangeably without thinking a lot about
what we really mean. For example, the term accuracy, error, absolute error, repeatability, uncertainty,
bias, precision were used meaning the ame and different things. You have heard all of these words and
maybe there are a few more that I haven't thought of. The term accuracy has been used to represent many
different things. It has been used to represent precision. It has been used to mean repeatability. I
think that the two papers that we had from the PEP panel give us some guldeance that eight in the future
be worthwhile. They have structured themselves in the propulsion world pretty well in that they are now
talking in terms of uncertainty and using the terms bias and precision. Along with that they have
developed, using the Abernathy approach. a method of calculating bias and precision. Something like this
might be adopted by the vindtunnel commnity. By far and large, though, the ay the word "accuracy" is
used is in term of precision and repeatability, and more or less interchangeably. Thai is a little thing
that has bothered me. I hope meybe in the future we can be a bit more precise about this.

The Symposium basically, dealt motly with low speed and transonic flows. That we principally by design,
although we had eome reference to hypersonic flow. As time moves on there will be Increasing interest in
the supersonic and hypersonic regime. I think that the techniques that are used for designing vehicles are
going to move from these so-called reference methods that Mr. Kren mentioned this morning to the direct
scaling techniques. In term of uncertainty that means that you are going to have to design these new
types of vehicles not Just using data developed from precision measurements, but you are going to need to
know sort about bias effects in the data, because we don't have any reference data to use. That is going
to sks it more difficult in the high speed world to develop systems.

We heard throughout the Symposium a great deal about requirements for developing transport type aircraft.
in particular we heard that we would like to have a repeatability or a precision in drag coefficient of
sbout one count. Apparently that is achievable with current day technology in term of balance design and
so on. However, when we go into the cryogenic technology, it seems that this is not quite so easy a,
Prof. 8wald has pointed out to us. That raises a question. Is the uncertainty associated with sking
force maurents, in these cases where you have cryogenic windtunnel tests, Is that uncertainty going to
be sore than what you would have if you were to take conventional widtunnel results and extrapolate the
to the higher Reynolds number cases? I don't know the answer to that, but it is something to think about.

There m not a lot said about military aircraft and what the requirements are for their developent with
the exception of this morning. It ws mentioned that a precision of the order of two drag counts mae
needed for cruise conditions end five drag counts for low speed. It would be nice if we could have heard
more on that.

It sas to me that if we do think of "accuracy" in tere of mning precision, then we are not doing too
bedly for the low speed and transonic flow in making force measurements. But bias is the problem in the
windtunsels. Bias Is basically related as much as anything to the differences that you might find between
wind tuenels. Boch windtunoel has its owe unique bias made up of eay factors and I* different in each
widtuonel. For example, wall interference is really a bias. So each tunnel has a different bias for

l interference. The so thing could be said for mounting Interference and turbulence level, etc.
Treating these things and knowing what they are and being able to reduce them Is a goel that we should
continue to work tomrds, especially if we are going to direct scaling type of designs.

aLt me finish by cmenting upon the three questions that we had put to us In our theme. The first
question ma, "what are the actual dneds in term of accuracy of data that the users hav, on
facilitie?". There were mom explicit statements made along these lines, like messuring drag
repeatability to 12 or one count. Mstly the question ms treated implicitly and my have left us
grasping a little bit. The second question mas "wht accuracy Is achieved In modern facilities?". Rare
me bed more respone to the question, and it was dealt with reasonably wll. The third question ma "whaet

.measrs can be taken to improve the situation". Far and large the issues are identified pretty well; how
to ap,,oeh them Is often a problem. ere I think we need to understand the various contributions of bias
to wd t auncert y. don t h a suggstion tht i ed on somethIng tangible, but one
big problem the wIndtnmnel comunity ha,. as I mentioned In the beginning, is the business of adopting a
common basis of treating data uncertainty.

.. . . . mm mm n mm
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I believe that in terms of what we can do to help improve the situation in the future is to continue our
remarch on improving things like correcting for wall interference and strut interference and being able
to be a bit more controlled and rigid in the development of viscous simulation techniques. I might stop
to say here that the Working Group 09 activity and the subsequent special course that is going to be
presented, should be advertised well to our engineers In both Europe and the U.S. Anyway there is a lot
of research that can continue to be done that is certainly going to help to reduce the bias part of the
problem, and no doubt will do things to improve the precision as well.

Prof. Nonn

Thank ery such for those well taken points and also for your own views which you interspersed. We
com now to a ritual which those of you who have attended AGARD meetings know about, a ritual in which we
spend something like half an hour discussing the topic in an open discussion. I have very strong views
about this kind of discussion. I believe that it only works in a sensible fashion if we really restrict
ourselves to discussing questions in a brief manner and not allow any speeches. So I will not allow any
speeches. I will cut short anybody who wants to give another presentation, and we will go about it in
that Soaner.

Let me start out by saying how this started. It was the presentation that Bernard Monnerie made at the
Iktiocsl Delegate Board Meeting where he, by presenting In this manner, got us support for the panel and
these questions that appear on this slide were the ones that prompted his to start this Symposium. Maybe
this is a good point at which to start the discussion.

Do you have any questions or any points that you want to discuss? Bernard Nornerie, do you want to start
it off.

Mr. ohmn
I'l t-art off from the back with Joe Marvin's paper, and I would like to address my question to the CFD
people about code verification. Using the Reynolds averaged equation you can calculate the whole flow
field. Now for a windtonnel man it Is much easier just to do surface measurementa, pressure and so on.
If you want to go Into field measurements you are talking of another order of magnitude of verification
aeseurements. I would like to got some sort of feel for the rating from the CFD people of what is the
most Important for them. If you want to go into the field, I hope that surface measurements are still the
east Important, it certainly Is for the aircraft designer. To what degree do you need field
measurements? That can become an enormous task if you want to go into great detail.

Dr. Mrvin
I tMEthat the way to address that is as follows. If you look at the state of CFD as it currently
exists, there isn't a sufficient data base to really indicate how accurately you are doing the Navier
Stokes computations, which I have the most familiarty with. Without sufficient measurements, there may be
ways of interpreting the surface data to make your comparisons look ore accurate than they are. For
exaople, one of the biggest mistakes has been to arrange angle of attack so that you match certain
Integral quantities such as lift or drag. In this approach you may miss the influence of wall
interference effects which are significant transonically, for example. What I think should be done is to
perform a mall number of experiments initially on sample configurations, not on aircraft at this point.
Those experiments would provide surface and flow field measurements that establish the generic aspects of
your computations. Can you do a shock interaction problem, can you do a trailing edge problem? Once you
hee established that, then you can move on to the more complex cases. Following this approach when you
do the more complex configuration type studies you probably will only have to perform a few selected flow
field massurements. But you will have to know the precise boundary conditions of your tests and input
those In your codes.

Mr. lenear
T7 3uldJut like to stress this point. I like the distinction very such between building-block
experiments and benchmark experiments. It Is very important for code validation to use benchmark
experiments as well and to show how well CPD codes perform over a range of conditions. From that you can
learn quite a lot I think and it is not done sufficiently. If you find large discrepancies, if there are
unexplainable phenomena, if you don't catch properly certain physical phenomena, then I think it might be
useful to go on with field measurements to find out, to answer real questions Lhat come out of this
comparison. before that, rather compare basic things: lift, pressure distributions, pitching moments,
drag for a range of conditions, and if that is satisfactory you don't have to go into field measurements
at sll.

t. slnio AMC
In dole$ Wvldtlon, you have to design the experiment to answer the questions that the code needs to
have aswred. If one is dealing with surfare phenoaena, then you may not need flow field measurements;
but, if one is dealing, for example, with jet/free stres interactions, where you are trying to
cheracterize the jet/free stream shear layer or the shock developaent in the jet, you have got to have
flow field emseurement.. That is the only way that you can get the information you need, So, the
experiments have to be designed explicitly to verify the code that you are trying to verify. One other
point that I would like to reiterate that Joe mede very well and that is: the codes that he is verifying
are verified for the windtumnel coditions, he is using windtunnel measured boundary conditions. One
c8n't properly verify a code using free air boundary conditions with experimental data having windtunnel
boundary conditions, You have got to use the boundary conditions from which the experimental information
was derived.

Teok you. think this is a very good point and perhaps one should also say that one should test that
variable which is met meitive.

I thiek that we have a question from our chairman who probably wants to went even more complicated
.peiaents.1
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Mr. Sachar
I an not speaking as a Chairman now. I must say that I disagree to a large extent with grom Elsenaar's
statement from an experimental side of view. He claims that there is no need for flow field measurements
at the present stage, or I misunderstood him. Let us say what have we done during the past. We have
compared our theoretical results from different codes mainly potential flow codes corrected for viscous
flow effects, of course, for the boundaries, for the geometry, for the surface, getting pressures,
Integrated loads and having forces and momenta. We found a considerable amount of disagreement with the
experimental results. Then we go to a higher hierarchy of equations, we come to Euler's and even Navier
Stokes. We found the sme basic disagreement and just to find the reason, we need much more detailed
information from the experisent. That means in other words, we need the knowledge to measure the flow
field, the flow field data, not only pressures but also velocities. Look at separated flow, we have done
an exercise in the last two years. I would say that we need a complete new increased amount of
experimental data Including the whole flow field.

Prof. Hornung
Ai this point I think that we will stop the discussion un this topic, and we will change to one which
leads maybe into the discussion of Working Gin- 09 results and that kind of work, by a prepared statement
from Professor Van Ingen who will for a couple of minutes open the discussion on this field.

Prof. Van Ingen

Earlier this week after the presentation of Dr. Michel we were talking about the quality of windtunnels,
and I then made a short statement in support of his views, that you might express the quality of 5
windtunnel in the N factor in the EN method. Fig. 1 shows the result of the famous experiment by
Schubauer and Skramstadt on the transition Reynolds number of a flat plate in low speed flow as a function
of turbulence level. The curve shows a kink at .12 turbulence level, and below this it was thought that
turbulence would have no influence on transition any more. That resulted in the fact (only based on this
single picture'), that everybody, building a low turbulence tunnel, was satisfied with .1% turbulence
level. Only afterwards it was found out that at the lower turbulence level noise is determining
transition. In more quite tunnels you may find higher transition Reynolds numbers. Using linear
stability theory one can calculate, as a function of the Reynolds number, 11X/ , the amplification factor N
which is frequency dependent. This N is defined through A/Ao - en where A is the disturbance
amplitude at some x and A. is the initial amplitude. Now it was found that for the flat plate, where
transition at these low turbulence levels was between three and four million, but also for airfoils you
get an N of about 9 and that method became known as the E9 method. It is a bit strange that N would
characterize transition because what is needed Is really important is the actual amplitude & - A,,en

.

However, since all of these low turbulence tunnels have been built more or less to the same recipe, you
may expect that they have more or less the esme initial amplitudes and so you can get away with N only in
a first approximation. If you go to some more detail, you have to make this N a function of the
turbulence characteristics in the tunnel. Of this the turbulence level is not the determining factor, as
Dr. Michel pointed out already. One has to take into account that only part of the spectrum, containing
the dangerous frequencies is important. If you do the linear stability calculations for the flat plate,
you can convert the Reynolds number for transition, which varies with turbulence level, into a varying N
factor. Plotting this N factor versus the turbulence level in percenton a log scale, a rather nice
straight bend is obtained (Fig. 2). The Schuhsuer and Skramstadt result levels off at low turbulence, but
other investigators (e.g., Wells) find points which are more or less in line with a linear extrapolution
of the high turbulence results in Fig. 2. We use the linear relations shown in Fig. 2 to find an
"effective turbulence level" after a comparison between the experimental transition region and calculated
amplification has resulted in an N-factor. Either the N-factor or the "effective turbulence level- can be
used as a quality number for the facility. For our low turbulence tunnel in Delft we get an N if 11, for
gliders in flight we get about 15 and for older NACA measurements we get about 9. We are planning a
project to do windtunnel and flight experiments with the same glider wing to calibrate the method for
flight circumstances. (By the way we are looking for a sponsor'). If you want to calibrate the quality
of a facility using the N factor or the effective turbulence level as a parameter, you have of course to
keep in mind that the result may depend on model shape and wingspeed. You should not fool yourself,
because the accuracy of finding the N factor depends of course on the shape of the pressure distribution.
If you design the body such that N grows slowly with x, that is a good discrimination because the N factor
does not change too much with the measured transition position. If you do it such that N grows rapidly
near transition, it is very easy to claim a very high N factor by just measuring the transition position a
little bit too late. So what I propose, in line with Dr. Michele paper, is that we should use the N
factor as a kind of quality number for the facility.

Fig. 1: Trsnsition Reynolds number for a flat plats

according to Schubsuer and Skrssstad -A/ n'H*q

(-A-A Report 909).
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Fig. 2: The critical amplification factor N in the am method for

transition prediction as a function of the 'effective turbulence
level' Tu (Z) ; N - beginning of transition region; N2 - end of

transition region.

Prof. Hormng
7bis was lso discussion by Dr. Michel. Maybe that is a theme that we should discuss in the view also of
the people who did the WG 09. Is Eli Rteshotko here? Would you like to say something?

Prof. Reshotko
Just with respect to the N factor. It Is a useful technique but one must be cautioned that the value of N
that correlates with transition is also dependent on the computational technique; how good the stability
codes are that are being used. The N factors can vary depending n the degree of sophistication of the
stability code.* As an aside , the EN arguments hae been carried Into the transonic, supersonic and
even are now getting close to hypersonic regimes through computations by Malik at NASA langley. The
number N of 10 to 11 holds up for the good quality flight experiments that have been analysed as well as
good quality tunnel experiments, provided that one carefully includes curvature, principally transverse

cuvture in the stability computations for cones. Also the correct relationship between flat plate sod
cone transition has in fact been duplicated when the transverse curvature Is taken Into account for

cones. So the technique is a good one, but the computations have to be done carefully with good codes.

cur

tin the tunnel environment is one of the subjects that has been raised frequently, recently. The
tunnel environment is not merely composed of velocity fluctuations. Furthermore, turbulence of velocity
field cannot be represented only by the so-called turbulence intensity or turbulence level. Other
parameters such as scale of turbulence or power spectra are known to have their own input on boundary
layer characteristics, development. transition, shocks, etc., therefore on wiodtunnel performance

Another point to be added is that there does not seem to exist investigations on combined affect of
various wiudtunnel environmental effects. Such studies like the combination of velocity fluctuations
(represented by level, scale, spectra, etc.), pressure gradient, enthalpy fluctuations. noise. etc.
usually each of these parameters Is investigated alona, such as the effect of turbulence level on boundary
layer charactristics. In reality it is seldom that only one of these parameters Is effective. Since the
contribution of Individual parameters is not simply additive, the combined effect should be separately
investigated even If the result of the investigation shows that the Individual contributions are
additive. I think it is clear that the result of this kind of work is relevant to the subject of the
Symposium.
Dr. Redeker
TIw-fl-= to stress the point of qualifying the wIndtuusael flow quality by the N factor.* This Is
extremely iortant If you think on the next generatio of aircraft having laminar wings. Nobody would
like to go Into a windtunnel having a small M factor. Thus, this vtalue is needed for doing good researchP,-I" 1 - l
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work and experimental verification in a windtusael when you deal with laminar flow on vins. So you mst
qualify your vindtunael In term of N factor against free flight. This is very inportant.

Dr. Velor
T~i;"flt to refer to the paper peesnted by Dr. ichel. He demonstrated that his detailed turbulence
mnessuement obtained in various wind tunle caa be correlated with tranaition easurments carried out
on the DIVIg prolat spheroid in the sme facilities. We just have started a proposal for the European
Comanity to get mom financial support for further transition and turbulence measurements in large
European low speed and transonic wind tunnels. The purpose of these Investigations is to compare wind
tunnels with each other and to obtain meaningful experimental input for transition calculations like the
N-factor mentioned by Prof. van Inges. It would be very interesting of course to perform relevant free
flight tests in addition. However. this should be the next step.

Mr. Maner
I would lke to make one relative, mayhe a little bit provocative remark about the windtunnel flow
quality. Flow quality io very Important for the trensition location and in that respect it is very
important for a umber of flows like airfoils with laminar flow. For this case, flow quality is very
important. Other aspects are very important as well. Surface quality is very important. We haven't
talked at all about dirt in the windtunnels, but everybody who works with natural laminar flow testing in
the windtunnals knows that dirt is a very serious problem. HSeat transfer Is very Important, and I think
about cryogenic tunnels. So for tests with free transition where the transition location depends very
such on small effects like flow quality, surface finish, then you really have a problem in the
windtunnel. For a lot of other flows where the trannition location is determined by the pressure gradient
or by the Reynolds number In the case of s wing, with wing sweep, and leading edge contamination, than
flow quality is not important at all I think, at least when it Is below a certain level. You can get away
with present day windcunnels.

Prof. Horung
A little bit of flow quality is always good, at all is excessive. This opens a new direction at the same
time, I think that perhaps it is time for us to talk about the extreme pedantary that we have to practice
in order to chase that last .1 of a drag count, let me exaggerate. The sort of thing that we heard this
morning in Gunter Krenz' talk about having to watch the last little covered slot in order to sake
significant differences, I think that highlights the sort of extremes that we have to go to in order to be
sufficiently accurate for what Is needed for design. Perhaps we could have a bit of discussion about how
far are we from really achieving the accuracy that is needed for deasign in more depth. I think that the
paper this morning was a case in point. Perhaps Gunter would like to say something.

Mr. G. Krenz
I did ahow that one drag count we can achieve, but the amount of work and the expense of money is very
high, so that in that sense I do not agree with the two sentences which Mr. Honnerie has written because
they are connected. We can reach it, and we have done it in the S1 tunnel but the work is very laborious
and very expensive. So the problem here, just talking transport aircraft and nothing else, is that we
should find ways to do it lees costly so that mans the model must be manufactured accurately, with
special methods, and so on. On the transport side we are satisfied regarding test accuracy, but not with
the money.

Dr. Koerner
If you can have the drag in the windtunnel with one count accuracy, what is the accuracy of your
extrapolation of the drag from windtunnel to flight? Do you have the same accuracy?

Mr. G. grn
That is the point, because it is not so easy. It is not the problem of looking for one drag count, we can
do that, but the problem is how to translate, to transform the data from windtunnel tests to the full
scale Reynolds number, to cover the gap between 12 million that we can reach in RAE with a half model and
the full scale for Airbus for instance, of 40 million. That is the big problem, and when you go to
design, which t ambitious, in that sense that the rear pressure gradient is steep and the flow near
separation, you have to know how the flow develops over this distance of Reynolds umber. That Is not in
our hands, neither in test facilities nor by theoretical methods, and I an wandering that researchers are
working so much on new methods, numerical methods are sufficient, I think, as far as industry work is
concerned, but a lot of research meat be done in finding the effect of Reynolds number In this range.

Prof. Hornun

Prhas Mr. Carter as an experimentalist would like to have a word on this.

r. Carter
We simple answer to your question Is NO, I didn't want to have a word on thl', but you called me so I
will comment with a few words if you have time to give e. I thik that the experimentaliat's
relationship with QGater Krea and Airbus is extremely good at the moment, so I don't went to rock that
boat. I think he has not emphasized the point, which ceane out in his paper, that he wishes to relate
intelligent testing at lower Reyolds numbers, to his flight data. He, in met respects, is looking at
the effect of =all sas " of his design and minor modifiestions to relate them to changes in ao
ebeolute set of data which he ban obtained from flight. So I think that it is poesible to achieve final
high accuracy conditions by using a flight reference condition. Dr. Foearer is quite right to ask the i
question, but we are not in the positio where me heve to mike large extrapolation DOW because flight data
Is becoming mere accurate and m project related and its value emn he moemured Is tem of coat. Now
the point I would like to take up with Mr. Kranz is the fact that he kept talking about cost. He often
talks about cot, usually because it is too big, but somebody In one of the papers this week showed one of

. thoea typical large citcular diagrams and the ese of the width of the segmt that m put on that
diagram for the reearch costs ma so miniacule that I would challeage his point about hiuh research
cosats. Isn't it about tim we realised the actual value of the research and sake it a little tiny bit ,
larger onomt of this circle which is almost certainly compoed of development coots and other costswhich are m easily accepted. A factor of two in the research segment would make an enormous effect on

Ask~
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the research ad virtually s affect n the size of the circle.

Vt. Chairma. my I raiLse a question that I would like to have asked Prof. Iaahotko an his various scale
effect cmaioe. Do" be me a cn aril where his WG 09 is going to come out with the concluslan that
nosy trseoeaf wiadtuaUs with Rysolds numbers of 12 million and above are going to be uselesa because
It is Imposeible to flz aft trasstie to represent the correct viscoue boundary layer high Reynolds
SbWA eanditie.

1k. iseheth.

umm y *Iply in Tn.

You are caing to a concluion that expensive tunnels neceesarily have poor flow quality. I think that
there is a great sensitivity now to Improving the flow quality in vindtu nla, however expensive the
tunnel. We can look forward to a mach better situation. W ila I have the floor I think that I should
mtion that the fact that a tmel reproduces full Reynolds members in no guarantee of flight quality
results. The cleer a vidtuamel gets to achieving full Reynolds number the sore it has to completely
muste the flight emiroamat.

Prof. Nonm
e have bout $ minutea of discussion left, I think that maybe we should let the umber cruncher. have

a word too. Joop, you had your hand up before.

Mr. Slooff
Teo, but r m afraid that what I am going to say has nothing to do with number crunching. First of all I
should ay thai due to the fact that we were having $rest difficulty in establishing the program for the
next AGARD snting which is on code validation. I witnessed only a few papers here, so the question my
have been ansered already. One of the papers I did witness was the one by Travis inion, and I think
support interference ranks high on his list of uncertainties. Obviously, number crunching comes In as one
possibility for reducing the uncertainty in that respect, but I wse wondering whether any progress has
bean mde anywhere on non-intrusive suspension, such as magnetic suspension. Is this hardware solution
being pursued anywhere or not?

Prof. Hornun
Wr-t I&y in this meeting there was no discussion of magnetic suspensions, and perhaps we should not go in
depth in this field at this point, but I think that maybe in order to get the numerical world Into the
scene a bit, Wolfgang Scheidt should have a word.

Dr. Schldt
I wo-t c-miet about CID either. I an somewhat worried about the absolute accuracy of something like one
drag count because of the fact that we are working with windtunnel models that are polished in surface,
that are mads of steel all the way through that have completely different beanding and twist than actual
aircraft and with completely different surfaces. So how can we actually relate the completely different
shape and structure and quality of the model to whet io happening in real flight?

Hr. Binion
Very simple, Wolfgang, you use the tools you have available to you. The power of CFD, I believe, is that
one an take experimental data from a windtunnel and, if I way use the term, calibrate the CFD code with
wIdtunnel boundary conditions, with wndtunnel turbulence with windtunnel well Interference, with all the
other factors that affect windtunnel data and then remove those factors in the CEO code and extrapolate
the data to flight using flight boundary conditions, flight turbulence valves, flight transition
locations, etc. However, to do that we mst develop an understanding of the physics in the sindtunnel as
well as in flight. I believe in the next decade that the only way we are going to solve the problem of
trying to set precise flight predictions from a wndtunnel because of all the factors involved. One other
point before I give up the floor. I went to defend one of my favorite people, Dr. Osborne Reynolds. We
tend to blame all of our ills on his number. There are 10's of factors that influence windtunnel data.
we should not lone sight of that. We need to sake sure that we are doing everything right and not just
wotrying shout one parameter.

Dr. Schmdt
I -enpleased that you ave the answer on the use of CFI) that I had in mind. But still there is one point
left and that Is I would like to see the experimentalist who is willing to integrate his masured
pressures to Set drag. However, that is what people expect from all the CFD people. They take their
computations, they Integrate pressure over the surfaces and they say, "look, that is drag".
1xperinentalists will never do that because they all have balances.

Mr. ilon
We intete presuet on nssle afterbodles to get drag quite often. In doing comparisons between
pressure integrations and balance meassurements we found that the agrement between the two methods is very 4

good if you do things correctly. mooed other thinga, the preesure orlfieds must be distributed such that
the regios of blb gradients are well defined. For complicated three dimesioel configurations that
requires several thousand presure orifices. M an tWo-dimlwniol wins, the orifice dansity near the
leading edg mast be quite high Just as does the grid spacing in the computations. Many tim it is
physically Iqmossible to Install enuh orifices to adequately defts the gradients. Tha moa other
mo met be slyoed. as ma otatiml and experimental people met work together to understand the

M liltations of each method so they can design computAtio and ePeiments that ea mutually compatible.

SA treally suld be looking ahead to isteractLons between aerodynamics and the structures,
propulsia. d ether disciplines, and I hope that both CPD and the experimental work will move somewhat
in that d .rectiena
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Prof. Srm
While Mteeloctricity is flowing I should terminate the discussion because at this point the ritual is
over ad M band over to the Chairman of the Panel wio will round It off.

F! Hr. Sachet
t , after this high speed shoot Out by nOS Hornung on our Symposium. It is up to the Chairman

to s ma fIl remarks, but before coming to those remarks, I will give General Craxioll. the National
Delegate of Italy the opportunity to say something.

General Grazioll
Thank you M. (hairman. ladies and Gentlmen, At the conclusion of this symposium, I note with great
Satisfaction the nmerous participants an windtuonsl specialists, and 1 want to thank particularly
General Arploo who has welcomed us at the Italian Airforce Academy. General Bartolacci, President
C.I..A. and the Direction of C.I.R.A. who have helped us with the Organisation. How, I will proceed with
the distribution of souvenirs concerning the Symposium to the people who have perticularly contributed to
Its wonderful success. Mr. Sacher, Chairmn of the Panel. Mr. Nonerle, Co-Chirmn of the Technical

4 Committee, Mr. Obamn. Co-Chairman of the Technical Comittee, Mr. Fischer, the Panel Executive, General
Bartolucci, President of C.I.R.A. Mr. Ahlloni, the Director General of C.I.R.A., Professor Napolitano,
the National Panel Coordinator, Colonel Bertinaria, Second in command. Lieutenant Colonel Cavallero, Local
Coordinator. A special thank you to Mr. Sacher on behalf of the Italian delegation. This Is Mr. Sacher's
last meeting as Chairman of the Panel, and Mr. Peckham will replace hi. in October. I would like to thank
also the authors of the technical papers and all the participants. I hope that Italy will have another
opportunity to organize very soon another Symposium of the Fluid Dynasics Panel and in the meantime, thank
you, good bye until the next tine and have a good trip to your respective countries.

Mr. Sacher
I Gentlemen, as you have noticed that makes this an easy job this time to acknowledge all these
important personalities who hove contributed significantly to the success of this meeting. I just want,
on behalf of the Fluid Dynamics Panel, to acknowledge General Grazioli, the National Delegate from Italy,
for his tremendous effort for arranging this meeting and for providing us with the local connections to
hold our meeting here In Naples. We thank very much the Italian National Delegation to ACARD. Please
allow me to thank also the Italian AIrforce Academy for providing all the local things, first of all of
course, General Arpino and his staff. I want to add our personal thanks on behalf of the Panel to one of
our oldest sembers, Professor Luigi Napolitano who has been with AGARD since 1960. Also, of course, his
staff from the University, and on behalf of the Fluid Dynamics Panel I have to acknowledge speclallyh the
excellent preparation of our Ladies Programme which has been organized and sponsored by C.I.R.A.

Concluding I have to address our appreciation to the technical staff of this meeting. We have had again
precise, excellent interpretors with us, and we thank very much Mrs. orlat-Rossano, Mrs. Hicks and Mrs.
Main for doing an excellent job during the whole week. Not to forget at the end of this meeting our
thanks to the technicians, Mr. Dale Verly and Richard Adam who have provided all of these arrangements
concerning the microphones and the projection system. Now I would like to thank our Executive Mike
Fischer and his secretary Anne-Marie Rivault for providing again this excellent support throughout the
whole week and her service from the administrative side. Before ending my acknowledgement, I want to
thank all the participants of this meeting, not only for staying with us throughout all the meetings -
four long days - but also for their active participatation in the various discussions along with the
presentations. Thank you for coming and allow me to express my hope that we will see as many of you as
possible in one of our future activities.

Allow me to make sose coemercials. Our program for 1988 provides a spring meeting in Lisbon; it is CFD
Code Validation which Is very closely related to the subject of this past meeting. In the fall, the first
half of October, we will have a second symposium In Turkey on the subject of Three-dimensional Turbulent
Shear flow* and Transition. In addition, we are organizing two special courses In the next year; one in

tNay on Aerodynamics of Hypersonic Vehicles which will be arranged in Brussels. The second one will be in
April on Boundary layer Simulation Methodology in Transonic Windtunnel Testing. This will also be a short
course repeated at the University of Tennessee in the United States. I hope to see many of you in one of
these future activities, and now I would like to say good bye and to wish everybody a good return.
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14. Ahelraet

The wind tunnel continues to be the main instrument for proental aerodynamic data
to the aerospace industry and the aerodynamic researcheri-r the purpose of load aindperformance
evaluation and for verification of theoretical results. In both cases it is imperative that the user has
confidence in the quality of the results, which means that he must have information on what
accuracy to attach to the data.

The quality of wind tunnel results depends upon both the accuracy of measurements and the
imperfections provided by the wind tunnel environment. Great strides have been made in recent
yewts on measurement accuracy and as a rule fis needi~o longer be of much concern if properly
attended to. However, imperfections provided by the wind tunnel environment are still with us and
these are today the main sources affecting the quality and accuracy of aerodynamic data obtained in
a wind tunnel.

- It was the purpose of this symposium to try to define what accuracy ha. presently been achieved in
modem facilities and to compare theseachievements with the actual demands of the user.
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