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PREFACE

Dans un passé récent et i plusiers reprises, la Commission Structures et Matériaux s’est
intéressée aux problémes de la fatigue pour les hélicoptéres:

— Specialists Meeting on Helicopter Design Mission Load Spectra (Ottawa 1976, Agard
Conférence Proceedings 206)

- Pilot papers on Helicopter Fatigue: A review of Current Requirements and Substantiation
Procedures (Florence 1978, Agard Report 674).

Au terme des actions antérieures il avait été convenu de la nécessité d’une réunion de
spécialistes en vue de compléter la mise en commun de I'expérience NATO dans le domaine de
Ia justification des durées de vie en fatigue des hélicoptéres, en insistant particulidrement sur la
confrontation avec I'expérience en service, sur le développement de technologies nouvelies et
sur 'apparition de concepts nouveaux,

Tel est I'objet de la présente publication qui rassemble un historique sur les rotors
développés par I’Aérospatiale, les textes de 17 exposés présentés a Aix-en-Provence en
septembre 1980, les comptes rendus dzs cinq sessions correspondantes et le compte rendu
des débats de la table ronde finaie.

Bien qu’on puisse regretter de n’avoir pu recueillir directement le point de vue de
compagnies civiles exploitantes, il apparait que le but proposé a été atteint de fagon trés
satisfaisante: les exposés et les discussions ont mis en évidence I'importaiice du travail de
réflexion de la part des services officicls et des industriels sur les concepts, les méthodologies,
les techniques de justification des durées de vie en fatigue pour les hélicoptéres.

Ce document constituc sans doute une base irremplagable pour les spécialistes désireux
de poursuivre cette réflexion en vue d’améliorer les procédures actuelles. Qu’il me soit permis,
comme Président du Group de Travail correspondant, de remercier vivement tous ceux qui ont
contribué 4 la préparation de ce document.

J.-M.FEHRENBACH
President, Groupe Travail sur la Fatigue
des Hélicoptéres
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PREFACE
In the recent past and on several occasions, the Structures and Materials Panel has been ‘
concerned with helicopter fatigue problems: S -
— Specialists’ Meeting on Helicopter Design Mission Load Spectra (Ottawa 1976, AGARD .
CP-206) 3

— Pilot Papers on Helicopter FFatigue: a Review of Current Requirements and Substantiation L
Procedures (Florence 1978, AGARD Report 674), X \

When the previous actions were completed, it was agreed that a Specialists’ Meeting
should be held in order to complete the integration of NATO experience in the field of the
substantiation of helicopter fatiguc life, with particular emphasis on the comparison with
operational experience, the development of new technologies and the advent of new concepts.

This is the subject of the present publication which provides a history of the rotors
developed by “Aerospatiale’” and includes the texts of 17 papers presented at Aix-en-Provence

in September 1980, the summary records of the five corresponding sessions and the proceedings
of the final round table,

Although it may be regretted that the points of view of the operating civilian firms could .
not be collected directly, it appears that the proposed objective has been very satisfactorily .
reached: the papers and discussions highlighted the importance of the consideration that has i
bezn given by official services and industrial firms to concepts, methodologies, and techniques
for substantiating helicopter fatigue life. ‘

The present document can unquestionably be regarded as an irreplaceable basis for the
specialists wishing to continue their consideration of the problem in order to improve present
procedures. In my capacity as Chairman of ihe Working Group, I wish to express my sincere
thanks to those who contributed to the preparation of this document.

JM.FEHRENBACH
Chairman, Working Group
on Helicopter Fatigue
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STATE OF THE AR AND STATISTICAL ASPECTS OF HELICOPTER
FATIGUE SUBSTANTYATION PROCEDURES
by
R.Noback
NATIONAL AEROSPACE LABORATORY NLR
P.0, Box 153
8300 AD EMMELOORD
Netherlands

SUMMARY

The recipe that is used to calculate safe fatigue life for helicopter components is described. Basic
ingredients are flight loadspectrum, derived from measured flightloads and mission profile, a reduced S=N
curve, based on statistically treated coupon and specimen test results, and a damage hypothesis. These
ingredients are generally used, but many different ways of handling, especially statistically, exist and
these may lead to a great variety o calculated safe fatigue lives. An example is used to illustrate the
influence of various ways of handling on the end result. An attempt is made to bring together alternative
statistical opinions,

1. INTRODUCTION

In almost any paper on helicopter fatigue (references 1~15) a diagram is used, implicitly or explicitly,
that lcoks like figure 1. This might suggest that everything is clear and that Indeed a well-established
fatigue substantiation methodolugy for uelicopter components exists. This is not exactly true. In an exercise,
initiated by the American Helicopter Society (reference 8) seven menufaciurers calculated the fatigue life
(replacement time) of a pitch link. The results of constant amplitude tests on the pitch link were provided.
Loads measured during flight tests were given and & mission profile was prescribed. Ground-Air-Ground cycles
were not taken into account.

| coupon TESTS | | sPECIMEN TESTS | { mission proFILE | | FLIGHT Loas |

| MEANSs-Ncurve | | REDUCTION l

| REDUCTION FACTOR |

{ REDUCED S~N CURVE | [ LoapspecTrRuM |

l_______] I'.—___I

| DAMAGE HYPOTHESIS |

| FATIGUELIFE |

Fig. 1 Safe fatigue life <alculation

Calculated replacement times ranged from 9 hours to 2594 hours, based on peak value flight loads, and
from 58 hours to 27816 hours with flight load cycle counting.
The methods used vere in accordance with the diagram given above.

Helicopter fatigue is characterized by a large number of load cycles with relatively smell amplitude,
alternated by (relatively large) Ground-Air-Ground (G.A.G.)-cycles. This is especially so for the dynamic
parts with a totel number of loadcycles in the order of 100 million. For these parts usually the safe life
principle is applied. A certain life (in hours) is assigned to a component. Irrespective of its state it
will be retired from service. The probability of catast:y iphic failure within the assigned time must be
extremely remote. In fact the diezram is related to this design principle.

Fail safe/demage tolerance principles require inspection procedures. The airframe usually will be of a
fail safe design with multiple load paths, erack stoppers, etc. Manceuvre loads will be the main source of
fatigue demage, although vibration, with a frequency at least equal to rotor r.p.m. tiwes number of blades,
might range from a nuisance to a fatigue problem.

The following will only deal with fatigue substantistion procedures for dynamic parts, that are based
on the safe life principle.

Instead of the rather pretentious term "metbodology" the word "recipe" will be used.

In the following first a description of recipe end ingredients will be given. Next special attention will
be given to some aspects, especiaglly svatistical ones.
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2. RECIPE AND INGREDIENTS

Fatigue life calculations for helicopter components are based on the Linear Cuuulative Damage Kypothesis
or (Palmgren-) Miner rule. :

For the application of the Miner rule two sets of data for the section of intervest of & component must
be availsble, viz.

a. loadspectrum

b. S-N curves or Wéhlercurves

The loadspectrum gives the number of cycles of various load amplitudes and accompanying mean lnads.

Loads may be given as axial loads, bending moments, etc., combinations of these or stresses. The loadspectrum
for the final fatigue life calculation is derived from the mission profile and measured flight loeds.

The mission profile may be defined by the procuring agency, airworthiness authorities and/or manufacturer.
It contains the percentages of time spent in various flight conditions. Menoeuvres may be given in numbers
per hour or percentage of time.

Flight loads ave measured for the flight conditions and manoeuvres of the mission profile. These loads
are reduced to mven loads and number of cyclic loads end then combined with the mission profile to give the
flight load spectrum.

It will be clear that during the design end development stage flight loads are not available. An estimate
of the iocadspectrum based on calculated flight loads will be used. This estimate also will be used to define
testloads for the specimen fatigqu~ tests.

An S-N curve gives the relation bvetween cyclic load and number of cycles until failure for a certsal.. mean
loed. The endursnce limit is defined as the cyclic load level for which the number of cycles to failure
approaches infinity. The S-I uurve fur the component is derived from spscicen and coupon tests. These results
show variability. In order that the probability of catastrophic fsilure .s remote, measures liave to be taken.
A factor on life as used for fixed wing eircraft is imprectical ez insufficient knowledge is available on
ratigue life distributions fur small loedeycles/long fotigue liven. It is general practice tc use a reduction
on load, such that with rea..neble confidsuce it can be stated that a large proportion of component S-N
curves will lie above the i1-uuced S-N curve. The reduced S-Il curve is related to one mean load. The cyclic
loads of the loadspecirum h+ve to be reduced to the mean load of the S-N curve. Rather often a Gooldman or

Soderberg disgram is used fir this purpose. This diagrae.. gives the relation between endurance limit and mean
Yoad.

In the .ollowing some parts of the recipe will bte discussed in more deteil.

3. LOANSPECTRUM

The loadspectrum is based on an assumed mission profile and messured flight loads. Uncer‘ainties in the

two composing elements are cf an entirely different nature. The mission profile is based on the. expected

ture use of the helicopter. It can be defined, rather coarsely as in references 16 and 17 or very finely as
proposed in reference 18, Often more than one type of future use is foreseen and accordingly more than one
mission profile is defined. Caleculaved fatigue life is alvays related to the assumed mission profile and one
could say that the mission profile by definition is neither conservative nor unconservative., It may turn out
that the actval usage of the helicopter in a certain role differs significantly from the assumed mission
profile. It is then possible to definc a new mission profile and recalculate fatigue life.

For the loads the situation is quite different. Loads must be established for the various flight
conditions of the mission profile.

In the first place it may be impossible to measure the load at the section of interest. Loads then have
to be derived from loads measured at other sections.

The required number of siraingauges may be too large to handle adequately. Some compromise than has to
be made.

Thirdly the number of flight conditiouns. including veight, c.g. position, altitudes ete., can be so large
that it is prohibitive from the point of viLuv of coet and time involved to measure loads in all conditions.
Some inter-or extra polation has to be dor:.

Flight loads show scatter, not only from one ru to snother, but alsc within a run. A disti:iction has
to be made between steady flight conditons and manceuvres.

During steady flight cyclic loads will show acstter thac hag a random nature. A probability density
function can be established and this ,an be uged In the fatigue life calculation (for example references 4
and 1k). Nthers use "top of scatter" or add a certain vercentage (reference 3).

During a manoeuvre cyclic loadr and mean loads ,1di}) vary due to the manoceuvre,Various methods are
available to count the <ycles of a manoeuvre, One wil. find that vhe result of the cyele count will vary
from run to run. This s¢atter can be deait with in “he same vay as scavter in stewuy flight loads.

The siipiest counting metheu is to essw.e that all zyclic loads have usgnitude (S_ -S in)/2 with mean
(Smax+smin)/3. Smax and Smin being, the maximum and minimue ioadlevel of the manoeuvre.
This of course is a conservative counting method, sormetimes referred to as uneycle count. Other counting
methods are for example the range-mean count method and the raunge-pair-range count methol {reference 27).
The counting method has a large influence on the esult of fatigue life calculations. In the excercise of
the A.H.S., mentioned in the introduction the ratios of faticue life, based on a cycle counting method,
end that, based on peek value flight loads or uncycle count, ranged from 2 to 17.

Wolfe and Arden (reference 2) are of the opinion that "Initial usage of these measured data is usually very
conservative. However, as the calculated fatigue lives become critical with respect to design requirements,
the conservatism is whittled away somctimes at almost an alarming rate".
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k. PALMGREN-MINER RULE AND MEAN LOAD REDUCTION

Once the loadspectrum is established the fatigue life of the component under this spectrum must be
defined on the basis of fatigue testresuits. This is never done by means of spectrum fatigue tests in which
the actual unfactored load spectrum is applied. This- would lead to extremely long testing times on a large
number of test specimens. Normal practice is to calculate the fatigue life using & reduced S-N curve that
has been derived from tests on coupons and specimens.

Total fatigue damage is assumed to be equal to the sum of the damages of the individual cy:les. The
damage of one cycle with amplitude S. and mean Sm is equsl to 1/Ni , N. being the number of cycles, with
amplitude Si and mean Sm, at which failure occurs. ng cycles give the &amage ni/Ni and total damage is

= ¢ B
D=ig (b.1)
It is now assumed that failure of the component occuxs when D equals 1.
If the loadspectrum gives the number per hour nj of k different load cycles with amplitude S;, all at
mean load Sy, then the fatigue life, according to the Palmgren-Miner rule, is

1
; e
i
However, usually mean loads of the loadspectrum are not all at the level S; of the S-N curve, and the
loadspectrum has to be reduced. Most commonly used is & reduction based on & diagram that gives the relation
between mean load and endurzace limit, derived from coupon tests, and referred to es (modified} Goodman
diegram or Soderberg diagram.

L= hours (.2)

ENDURANCE CYCLIC §~N CURVE ~
LIMIT, E LOAD, § Spi-=dg--==- TEST MEAN LOAD

$S~N CURVE -
FLIGHT MEAN LOAD

Zdmm e

MEAN LOAD §, NUMBER OF CYCLES

2 Sm)
(test) (flight)

Pig. 2 Goodman diagram and S-N curves

It is_assumed that one cyclic load Sy at mean load § 1 gives the same damage as one cyclic load S2 at mean sz
§, being equal to n

S s s
. £(5m2 2 _B(Pm2 4
Scca™ 52% Eésm; 8, = Egsmg 5, = Eis 1; Serignt (4.3)

n

In reference h a correction method is given in which it is not a priori assumed that § is proportional to
the endurance limit E.

Some manufacturers do not apply & correction if the test mean load is higher than the flight mean loads.

GAG cyclea can be treated in the same vay and meny menufacturers do. Others feel that GAG cycles differ
too much from f£light lunds and treat them separately. One method is to define the number of GAG cycles until
failure (N ) on separate specimens. With n G.A.G. cycles per hour in the loadspectrum and with a factor
¢ on lit‘e,888 fatigue life becomes. gag

1

L=—- p hours (4 %)
AT
* Tgag

(reference 10 and 15 for example)

Another method is to carry out specimen fatigue tests in wvhich GAG cycles are incorporated (reference 10
and 19 for examplel.

Still another method is to carry cut flight simulation tests vith flight loads that are the loads of the
flightloud spectrum multiplied with a factor larger than one and equal to the reciprocal of the reduction
factor of the S-N curve., GAG cycles are applied vith a factor nn life. In such tests, the loadspectrum may be
simplified and small load cycles are often om:tted (see reference 9 and 19). Interpretation of test results,
for example when the mission profile is redefined or vhen testresults differ significantly from expected
results, may be difficult. One then has to ively on the Miner rule again although “his then probably mey be
regarded as a relative Miner calculation.

Tests have shown that Miner's rule is not unconditionally valid. It is unable to account for interaction

effects of subsequent loadcycles, vhich may be very important. This is especially so for Ground-Air-Ground

cycles, Many examples ave known where Miner's rule yielded unconservative life estimates. For this reason,

in the application ¢f Miner's rule the summation is not always carried out to unity. Quite often a service

iife or replacement time is prescribed, lower than calculated fatigue l:fe (for example reference 5, 11, 19).
Revertheless it can be stated that both rule-making agencies and manufacturers accept Miner's rule as

a tool for fatigue life calculations.
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5. REDUCED S-N CURVE

It is common practice to calculate safe fatigue life for a component using a reduced {or safe, ore
working) S-N curve. This S-N curve is based on coupon and specimen tests. Specimen tests are carried out on
a limited number of components, for example six or less, in some cases higher numbers of specimen may be
tested. These tests are usually constant amplitude tests. Sometimes cyclic load level is altered if no crack
appears. Other types of tests are constant amplitude tests alternated with & number of GAG loeds, progremtests
with dlocks of flightloads with various amplitudes alternated with a number of GAG loads and flight-by flight
simulation tests.

If only constant amplitude tests are carried out test results can be plotted and an S-N curve drawn
throvgh the data points. However, usually it is felt that insufficient specimen test data are available to
draw an S-N curve and therefore & curve shape derived from coupon tests on the same type of material, with
the same type of notches and fretting condition, is used.

Constant amplitude tests are carried out on a large number of coupons at various load levels until
failure oceurs. Number of cycles N until failure are plotted against loadlevel 5. One method to present
test results is by giving sets of S and N values of a curve drawn by eye through the test data points. More

often results are presented ss an equation with a number of constants. Two types of equation are used for
this purpose

I S

E+g (N)
II S )

Exf (N

in which E is the endurance limit. 7 8
E can be defined as the S-value at a certain high value of N (N = 10! - 10" cycles) or at N '+
The latter will be used here.

One example of the first type is the well known Weibull curve shepe (reference 20)
b
(n+B)"
with constants b, ¥ and B

S=E+

(5.3)

If *ais curve is dravn on gemi-logarithmic paper it shows an inflexion at N = B/k. At the high cycle end
of the S-N curve, that is of interest for helicopter components, constant B usually is much smaller then N
and the curve shape can be expressed as

s=E+2 =g {1+2E) (5.4)
N N

An example of the gecond type is

S=Ext (N) =k (i) (5.5)
NK

with constants A and K
This expression is often used for helicopter components to draw an S-N curve through specimen test data points.
Usually it is assumed that the ratio £(N)= S(N)/E of the specimen tests is equal to the same ratio of the
coupon tests for e certain value of N.

Fach test data point is then used to calculate an estimate for the endurance limit

E; = S;/r(N,) (5.6)
Arithmetic mean and standard deviation are

E=EH (5.7)

/ 2
8 = X(Ei - Il) (5.8)
n-1
Logarithmic rean (medisn) and standard deviation are
Llog E.
BE=10% as= - 2 (5.9)

2
4 = /z(log!-:i - a) {5.10)
n-1

The mean S-N curve for the specimen is now defined as

s{n;j= E g(N) (5.11)
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The number of cycles to failure N in the coupon tests will show scatter. As the aim of the fatigue
calculation is to establish a safe fatigue life, it would be practical if variability in N could be used to
establish a factor on life of the component. This, however, is not possible, as variability in N and even the
probability distribution function often depends on the loadlevel. A distribution function of component fatigue
life cannot be established, as it depends on the loadspectrum.

It is commcn practice to reduce the mean S-N curve in S-direction, such that the probability of a

component having an S-N curve lower than this reduced S-N curve is small. The reduced S-N curve can be
described by

8 ud (N) = P.E. £(N) (5.12)

and the reduced endurance limit is B =P .

red
The steps needed for the construction of the reduced S-N curve will be illustrated with the excercise initiated
by the A.H.S. The S-N curve shapes as used by the manufacturers for the fatigue life calculation of the
hypothetical pitch link are presented in figure 3. These curves arz given in references 9-15 or derived from
mean or reduced S-N curves given in these references. These curve shapes are used to transform test data points
into estimates of the endurance limit. The meen S~N curve goes through the mean endurance limit

s(N) = E r(n)

Mean S-X curves ars given in figure U and these seem to be in reasonable agreement.

In figure 5 reGuced S-N curves are given and, as will be clear, little agreement exists. Finally, in
figure 6 calculated safe fatigue lives are plotted as a function of the reduction factor F. This figure mekes
clear that the value of the reduction factor is of mejor importance. The effect of differences in S-N curve
shape is small. This example is no proof that in all cases only the reduction factor is of prime importance,
but it justifies further investiyation of this factor.
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6. REDUCTION FACTOR

As already mentioned, the reduced S-N curve can be described by

8red (N) =FE g£(n)

with reduced endurance limit Er ed

The probability of a component having an S-N curve lower than the reduced S-N curve should be small. Various

= PFE.

interpretations of this requirement lead to various values for P.

In most cases it 1s assumed that endurance limits E have a normal or a log-normal distribution funetion.

(6.1)

The factor F then can be chosen such that with confidence 8 a proportion p of the endurance limits will be
higher than F.E. Suppose L has & log-normal distribution. The median and standard deviation as calculated
vith equations (5.9 and 5.10) only give an estirate of median and standard deviation of the population.

The estimate of the mean is veasonably good if the standard deviation is small. For example, for 6 specimens

it can be stated with 95 per cent confidence {in 95 per cent of the cases, the statement is true) that the

median Em of the population will be

E = 1.049 2
s ‘E,<Ee g=10
or E _ .00.825 ¢
t $En h =10
For & = 0.05 g = 1.13 ard h= 1,10
For £ = 0.10 g =1.27 and h = 1.21

(6.2)

(6.3)

The estimate of the standard deviationis worse. Under the same conditions the standard deviation A of the

population is
0622 < A <2512

or A < 2.09 %

{6.4)
(6.5)

JPUm—
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With only @ small number of specimens the measured standard deviation 2 only gives a rough estimate of the
standard deviation of the popwlation. It is for this reason that a number of manufacturers assume that the

standard deviation of the population of specimen tests is equal to the standard deviation A of the coupon tests.
Tf this assumption is correct, it can be stated with confidence 8 that & proportion p of all specimens
will have an endurance limit greater then

Ys
0t Gt R E=rE (6.6)

with Up and Ug defined with

U
Pooa
~ fexp(,,‘é‘_.) du=p (6.7)
= Je
SN

2
1 u
] exp(~5) dqu = 8 (6.8)
Ven ./n 2

and these can be found in tables of the normal distribution
For B = 0.99, p =-0.95 , n = 6 and A = 0.05 it follows that
U6 = 2.326, Up = 1,645

2.59%6 A

and F =10 = 0,7h2

Other manufacturers feel that the standard deviation of the population of specimens is not a priori equal to
that of the coupon tests. The approprisy- statisticel quantity to be used in that case is the one-sided
tolerance limit factor K {p, 8, n) Erererence 21). With confidence B, a proportion p of all specimens will
have an endurance limit greater then

£ 107 *K(ps Bam) g g (6.9)

K (p, 3, n) can be found in tables {reference 22 and 25) and can be approximated to (according to reference 22)

J2
K(p, 8, n) = Up + VUp - 4B (6.10)
A

A=1- Ug (6.10a)
2in-15

2

U2
Bzt .8 (6.10b)

P n

Another, rough, estimate for K(P, 8, n) is obtained with

K(p, 8, n) =;/%- Y2 (6.11)

k
The first term gives the confidence interval of the mean. ¢ can be found in a table for Student's

t-distribution
c

Jee)  at=8 (6.12)

-0

The second term gives the rnonfidence interval of the standard deviation. k can be found in a table for the
%2 ~ distribution

X
J £08)_, o = 1-8 (6.13)

For n=6, B = 0.99 and p = 0.95 and thus

=236 UYp=+.645 c¢=3.31 and k=0.55

e




the value for K(p, 8, n) is

X (p, 8, n) = 5.509 (from table AT of reference 22)
K (p, B, n) = 6.570 (equation 6.10)
X (p, B, n) ~ 6.336  (equation 6.11)

For % = 0.05, the values for F are 0.536, 0.469 and 0.482 respectively.

Although the one-sided tolerance limit is the appropriate statisticel quantity to be used if the standard
deviation of the population is not known, not many manufacturers actuslly use it. In reference 6 the use of
this quantity, (Held's formula, equation 6.10) is proposed. A very high value for p is used that on the other
hand is drastically reduced as a truncated probability distribution is used. However, instead of the standard
deviation of the specimens, that of the coupon tests is used, Besides that a fixed number of specimen tests is
assumed and in fact constant (low) factors are used, only depending on the type of material. In reference 23
the rough estimate of X (p, B, n) according to equation (6.11) is used. (Instead of the one-sided corfidence
level, the two-sided level is erroneously used). However, very often manufacturers use the so-called three-
sigma-level. That is, factor F is equal to

32
F=10" (6.14)

To safequard against a fortuitous low value of £ often a maximum limit for F is used.

F <P (6. 1ke)

The recipe to establish the reduced S-N curve as described above is not universelly used. Some alternatives
are ag follows.

Endurance limit E is assumed to have a normal distridution with mean E and standard deviation e
(equation 5.8). The standard deviation of the coupon tests is 0. The BE-value that, with confidence 8, will
be exceeded by a proportion p, is
- if the standard deviation ¢ of the coupon tests is assumed to be representative for the standard deviation

of the specimen tests

- U Ue .
Ered=E'°(p+VxT' (6.15)
E
and F = 2 oy OUp * gy VR (6.16)
B - Ea—
- if this assumption is not made
Ered =5 sK(p, B, n) (6'17)
and F:-E—:%l'r.]_g_xg-ni—&l_n). (6.18)

The quantities 0/E and s/E often are referred to as coefficient of variation. This expression should not be
used as it easily leads to confusion (reference 15). It is not equal to the standard deviation of the
log-normal distribution, in fact for small values of A,

€ nAan10=2.304 (6.19)
E

Again, very often only a 30-reduction is applied.

In reference 3 and 15 the possibility that endurance limits have a Weibull distribution is put forvard.
This distribution function is equal to zero for E< y. On all the samples analyzed it was found that the use
of the three standard deviation level of atrength came at or below the zero probability point estimated by
the Weibull parameters (reference 3).

It should be ncted that if a variable has a normal distribution and if a Weibull distribution is fitte’
to it (equal mean and equal first and second derivative of the distribution functions at the m an), the zero
probability point ( y) is equal to the mean minus 2.83 0 . If the variable has a log-normel distribution
approxiscately the rame result is cbtained (appendix A}, A Weibull distribution function with zero probability
point ¥ > O should be used only if on physical grounds such a value can be set or if statistically, ‘n a very
large number of tests, such a function with P (E < ¥) = 0, can be established.

It iz assumed that both loads and endurance limits have a certain probability density function. By means
of Monte Carlo methods a large nurber of combinations of endurance limit and load environment is chosen and
for each combination fatigue life is calculated. Safe fatigue life is chosen such that a large proportion
(i.e. 99.95 per cent) of calculated fatigue lives exceeds this safe fatigue life (reference 1k).In this
method a reduction factor is not used. It seems to be debatable, however, that it can be assumed that a
helicopter would meet a load environment that is systematicelly a certain amount lower or higher then the
mean load environment. A more appropriate assumption seems to be that each individusl helicopter meets the
entire population of loads. This is proposed in reference k.

e
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T DISCUSSION

The main problem that a helicopter fatigue analyst meets is thav he actually never can test whether he
is rigat or wrong. He has 1o actablish a safe fatigue life such that the probability of a fatigue failure
during the assigned life is extoemely vemote. An "allowable" failure rate of 107! per flight hour is sometimes
quoted. If a component has a calculated saiz life of 5000 howrs, then several thousands of components would
have to be tested with actusl flight loads up to & multiple of 5000 hours to establish the lower "tail" of
the distribution function of fatigue lives. Experience with helicopters only gives a rough indication about
the occurrence of statistically predictable failures. Other cauzes of failure (corrosion, scratches,
deviations from mission profile) darken the picture. ihis uncertainty is inherent to the safe life principle.
For this rsason, and other reasons as well, fail safe and damage tolerance principles are gaining impe*us.

It is to be expected, however, thac the safe life principle will still be used at least in the near future

and it therefore is worth while to look critically at the recipe. The aim of the celculacions is to arrive

at an assigned 1ife of n component, during which the probability of fatigue failure is extremely remote and

this means that in fact the lower "tail" of the distribution function of fatigue lives has to be established.

To get a better insight, the problem hypotheiically will ve split up in two paris.

~ What is the median fatigue life and what influences it.

~ Given the median fatigue life, what is the safe fatigue life that with confidence B is excceded by a
proportion p of all components.

The first part could be regarded as the fatigue problem and all informetion on material and loads is needed.

The second part is mainly a statistical problem. The first part of the problem will be considered first.

To start with, the mission profile must be defined and it should be realized that both median and safe
fatigue life are related to a certain mission profile, This might be & mean profile or a worst case profile.
However if the real mission profile differs systematically from the assumed miesion profile, the assigned
1ife has no relation to reality and a revision should be made.

Mission profile and measured loads together provide the loadsspectrum. In the most simple form loads are
assumed to be equal to the maximum loads during the mission element (uncycle count}. This of course is the
most conservative counting method. Various cycle counting methods can be used, the optimum being the one
that gives the best result with the Miner rule. This probably is the right place to ventilate the following.
Never should conservatism in cycle-counting be used to compensate for unconservatism elsewhere. The remark
about "conservatism being whittled away at an slarming rate", alreedy cited, can be amplified with a remark
from reference 2k,

"Problems then arise when component strengths don't come up to expectations and the designer starts to
manipulate his loads spectra to eleminate":onservatism"",

No part of the recipe should be unconservative, even vwhen other parts of the recipe are evidently
congervative.

It is questionable whether the Miner rule is valid, especially if a large number of flight load cycles
is alternated with G.A.G. cycles. Nevertheless validity of this rule usually is assumed. In conjunction with
the appropriate mean S-N curve, median fatigue life can then be calculated.

In many cases it may be difficult to decide on the appropriate S-N curve. It is almost common practice
to derive the curve shape from coupon tests, with test conditions (fretting, notches, etc.) that give the
best agreement with conditions of the specimen. However, as is pointed out, for example in references 13
and 15, often more than one failure mode for which different curve ghapes should be used, are possible,
Besides that,specimen test conditions hardly ever will be equal to those of the coupon test. And this raises
the question whether it would not be preferable to use test data both from coupon- and specimen tests to
define the curve shape,

In equation (5.5)

S A
=81+
E i<

the values for x and A could be derived from coupon test and specimen tests respectively (reference 4).

The value for A can be found on the basis of minimum error in E-values. For the test datapoints in figure 3,
an S~N curve with K = 1 has nminimum error for A = 0.051063. The error is lower than for any of the other
curves,

To summarize our discussions so far, it may be stated that, for a certain mission profile an estimate
for the median fatigue 1ife can be made. Confidence in the estimate increases with increasing sophistication
of load analysis and testing methods and increasing number of specimen tests.

This hovever is insufficient to arrive at a statistically safe life, The term "statistically safe’ is
to be interpreted here and in the following as that velue that with confidence B is exceeded by a (large)
proportion p of the popwlation.

The distribution function is needed for the definition of the statistically safe life. Unfortunately
this function depends on loadlevel. This can easily be seen in the following figure, that iz reproduced
from reference 25.
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Fig. 7 Fatigue life distributions
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For high values of stress S the distribution is approximately normal with a relatively low value of
the standard deviation. For low values of S the distribution is not normal and the standard deviation is
high. The data of figure 7 were analyzed in reterence 26. A slightly different analysis is given in
appendix B. All 252 test results are regarded es estimates for the endurance limit E. With the assumption
that endurance limits have a log-normal distribution with median and standard deviation derived from the
testdata, the distribution functions of fatigue lives as function of S can then be calculated. The result

is given in figure 8.
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Fig. 8 Fatigue 1ife distributions

The agsumption seems to be a reasonable one, as fatigue life distributions are fairly well described.
It follows from this analysis that, i a statistically safe reduced endurance limit is chosen, elso the
lives predicted by the S-N curve defined by the reduced endurence limit are statistically safe.

This of course is only one example, but it is thought to be representative. In the example it was
assumed that all coupons have the same S-N curve shape, but different E-values. The curve shape was defined
us the one giving minimum error in E-values,

The foregoing is not a proof that the reverse also is true but it seems reasonable to assume that if
a specimen has a certain endurance limit Ei’ that it has an S-N curve defined by

8 = E; + g(N)
or §=E *x £(N)

depending on which type of function was used in the analysis.

If this is so, and in the recipe it is tacitly acceptea, then only the statistically safe endurance
1imit has to be established. To do this the distribution function must be known. Usually however only a
very limited number of specimen fatigue tests are carried out and one then hag to rely on previous experience.

Usually it is assumed that endurance limits have a normal or log-normal distribution function. Results
of coupon tests show that at ieast for not too large deviations from the mean these distributions give a
fairly good description. For relatively low scatter the difference between the two functions is not large.
Some arguments are in favor of the log-normal distribution. This distribution is limited to positive values
end the use of a factor is more natural (Equations 6.6, 6.9, 6.16 and 6.18). In the following the log~normal
distribution will be used.

As already mentioned in chapter 6 the Weibull distribution function should not be used, unless it can
be proven that it is the right one{figure B3 shows that for the example given above, a Weibull distribution
can not be used).

The first thing that should be done is to check whetaer endurance limits, obtained with the specimen
test have a distribution function that is reesonably log-aormsl. For this purpose the log F~values can be
plotted on normal probability paper. The problem is that, even when these values are from a perfectly log-
nornal population, the plot may deviate rather much from a straight line, when the nuuber of tests is small
(appendix C). Engineering judgment must be used if the plot shows a systematic deviation from a st-aight line.

Now it will be assumed that there is no reason to doubt the log-normality of the E-values. The median
E and standard deviation £ can be caleulated with equations (5.9) and (5.10). E and £ are estimates or the
median E_ and standard deviation A of the population. As already shown in chapter & manufacturers do nou
agree whether factor F should be based on specimen or coupon test results. If a priori it is assumed that
the standard deviation is known end is equal to that of the coupon tests, factor F is equal to (equation 6.6,

F = 10~ MUp + Ug/ Vi)

If on the other hand this essumption is not made and if results of specimen tests are used, factor F ig
equal to (equation 6.9)
_7~K(P, Bv n)
F=10
For 8 = 0.99, p=0.95, n =6 and £ = A = 0.05, fsctor F is 0.742 and 0.536 respectively. As shown in figure 6
this difference in factor F may correspond with a factor of nearly 100 in calculated safu life. In the next
chepter, an expression for F is proposed that combines the two views.
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8 PROPOSAL FOR FACTOR F

It is assumed that scatter in test results depends on properties of the test items and on proner: .&s of
the testing machine or apparatus. Beth types of scatter are independent of each other. For the pogulation
of coupen tests the variance is

2 _ 22 2
A coup A coup. mat +A mach. (8.1)

A coup.mat 15 the stendard devietion of the endurance limits of the coupons that depends on the type of
material and the quality of fabrication of the coupons. A is the standard deviation of scavter
due to the testing machine. For the population of endurance limits of a certain specimen test the variance is
2 Y 2
A spec A spec. mat +A app. (8.2)
A app is the stendard deviation of scatter due to the epparatus used for the specimen test.

spec.mat is the standard deviation of the eadurance limits of the specimens, that depends on the type of
material and the quality of febrisation of the specimens.

Two cases will be considered

A: It can not be assumed that scatter due to type of material and quality of fabrication of coupons
and specimens are equal.

Aspec. mat # Acoup. mat (8.3)

In this case the scatter in the specimen test results bears no relation to the scatter of the coupon test
results. Both mean and standard deviation of the specimen test results are estimates for mean and standard
deviation of the popwlation. The approprxate statistical quantity to be used in this case to define the
statistically safe endurance limit igs the one-sided tolerance limit {equation 6.9).

B: It can be assumed that scatter due to type of material and quality of fehrication of coupons and
specimens are equal,

A A

spec. mat — * coup. mat = Ao (8.1

The estimate E for the median_E_ of the specimens is based on the outcome of specxmen teats and it has the
standard deviation A gpae /V/n. Scatter of the estimate B depends on scatter in materiel propertxes and
on scavter due to the testing apparatus. However A gnoe is not known. Only an eatimate, viz.

available and Student's t-distribution has to be uses to establish the lower confidence limit of he meun.
With confidence B it can be stated that

c L
B, >E 107 V7 %% =g B (8.5)

¢ can be found in tables for Student's t-distribution, and is equal to 3.37 for n = 6 and 8 = 0.99.
For lspec = 0.05, fuctor Fy = 0.8535

Scatter in endurance limits of the components depends only on scatter in material properties, not on scatter
due to testing apparatus. A proportion p of the population will have an endurance limit, that exceeds

E(p) = E, 107'P A nat (8.6)

The value Apgy is not known. From equations (8.1) and (8.L4) it follows the

—_
- 2 2
Amat =A coup mat \/(A coup ~ A pacn < A coup (8.7
and this gives
~U._ A -U_ A
E(p) = E, 07p "mat >Ep 107p " coup = Fp Ey (8.8)

With the assumptions given above it can be stated with confidence B that a proportion at least equal to p of
the specimens will have an endurance limit that exceeds

Bog = Fy Fy E=FE (8.9)
with
- £ ispec - Y Ac
F=10 +n p ‘fcoup (8.10)
For 8 = 0.99, p = 0.95, n = 6 and zspec =Acoup = 0.05 , factor F is
=F E, = 10729588 -0.0822F _ 4 gosc 4 0.8275 = 0.706
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In this expression for fictor F scatter of the specimen tests is used to define the lower confidence
limit of the median of specimen endurence limits. Scatter of coupon tests is used to ensurz that a certain
proportion will exceed the reduced endursnce limit.

It will be clear that the cholce of values for confidence B and proportion p needs some consideration.

The factor should oe in accordance with those previously used for a well defined specimen test with a
relatively large number of specimens and low scatter. Various combinations of 8 and p can be used. It is
felt that confidence B should be at least equal to proportion p. The value for B is used to calculate the
lower confidence limit of the median of the population. in 100 B per cent of the tests the median of the
population will be higher then the lower confidence limit. However in 100 (1-8) per cent of the tests ihe
median will be lower. This affects the entire fleet. If the estimate of the median is equel to the median
of the population s proportion (1-p) will have an endurance limit lower then the reduced endurance limit.

For 8 = 0.99 and p = 0.95 curves for factor F are given in figure 9.
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Fig. 9 Factor F for confidence 8=0.99 and proportion p=0,95

9 CONCLUSIONS

[N

Thers appears to be agreement between the majority of helicopter menufacturers with rezard to the general
procedures to determine the safe fatigue life of helicopter dynamic components.

I

The mean S-N curve is multiplied with a reduction factor to obtain the safe S-N curve. This reduction
factor turns out to have a major effect on the calculated fatigue lives.

tw

In this paper, an expression for the reduction factor is proposed, that tskes into account the results
of both specimen and coupon tests.

\
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APPENDIX A
NORMAL AND LOG-NORMAL DISTRIBUTION APPROXIMATED BY A WEIBULL DISTRIBUTION.

}" Suppose & variable X has & normal or log-normsl distribution function and that this distribution will be
‘ approximated to by a Weibull distribution. Various criteria could be used. A reascnable criterium seems
:
!
{
i

to be to equalize the first and second derivative at the median xp.

In the following the logarithm with base 10 and “ase e will be indicated with "log" and "1n",
respectively .

Distribution function F(x), median x, for which F(x) = 0.5, the first and second derivatives for the
three distribution functions are as follows:

Normal distribution function:

X
2
| f= | Vgﬁexp{_%% } at (a1)
=0
; :
(x=1) :
ar 1_exp { - ="} (& S
! ax o o 20 dx)xm i (42)
ra_ o Gew o Lew® (L, =0 (43)
dx \/2? 03 202 dx2 X,

Log-normal distridution function:

x
2
1 {log t-A) at
F(x) = / exp { - } (AN)
} N V/—\;‘-" 2 A 2 t 1nl0
A
X, = 10

ar

(- Qogxp)®y 1
X

i
o= exp{- 3 { 4F } = 1 (45)
\/Q—H‘Aln 10 24A dx *a .\/2—"\ Alnto X,
‘o ﬁ=_ 1 exp(_(logx—A)a){1ogx-A+1}J_
| dxe ‘\/2—11‘1\ In 10 242 A21n 10 x2 (48]
. .
(LEy L. (Aés)
ax2 X, VorA 10 x 2
m
Weibull distribution function:
-y, P
Plx)= 1-exp { - (55} F(x)=0 for x < y (A7)
x = 2(-m0,5) VP a4y
R o o (EXyp 4E el
R AR R {""}xm =% (mos) Ty (a9) :
2 _ v B P
L2 =2 (EN P2 op (- &Y ) (p1-pEY) ) (49)
o 9f 9 1 1

=2
{_Eg} P (-110.5) p_ {p-1+p1n0.5}




o o
2
*

-~

1-i6

Equalization of median, first and second derivative gives:
for the normal distribution

1
q=‘/g OMLE_ = 3.,1681 ¢

1+ 1n0.5 (A11)

\/;“ 1n 0.5 !
| Y=u- Co ¢=-Vz Timos- 28 (a12) :

for the log-normal distribution

;. 1 3.2589

\ , |
[ ‘ P = Trimos = 3:2589 (a10)

|
p = = (A13) ;
1+1n 0.5~ \/g— in 0.5 A 1n 10 1+C Aln 10 ;
!
3 p-1 ;
a=x pAln 10‘/1:_ (- o0.5) * (ath) '
2
xm
= & x.~Cx Aln 0o (a15)
+C A In 10 & n

The valve at which & Weibull distributivn function, approximated to a normal distribution function, will
} be truncated, will always be at the mean minus 2.8311 0. Approximately the seme is true for a Weibull

L distribution, approximated to a log-normal distribution as the standard deviation is approximately equal

to Xy A 1n 0. Weibull approximations for normal and log-normal distributions are given in figure Af. 3
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APPENDIX B

ANALYSIS OF 252 FATIGUE TEST RESULYS.
The results of fatigue tests on 252 notched aluminium slloy coupons are presented and analyzed in reference 2¢€
The results are also presented in figure 7, which is rsproduced from reference 26. A slightly different
analysis is given in the following.

The tests were cerried out at nine stresslevels Sj on nj coupons. The number of c¢ycles to failure is N3

From each testresult (Sj, Nij) an estimate Eij for the endurance limit is derived, using the Weibull S-N
curve shape
s5 + A—0 (81)
(N+B)

The constants A, B and K are chosen such that the variance of the logarithm of the Eij—values is a minimum.

The variance

b (Yi,.-m)2
g2 ddi (82)
n-1
with Yij = log Eij (B2a)
E.. = §; = ———— (B2b)
1) J K
(Nij+B)
L Y3
m=ji (B2e)
n
and n =% n; (B2a)

2
is a minimum for

K= 0,56k
A = 3,4266 (83)
B = 0.050

With these values the mean By end the suandard deviation ij, pertaining to the various stress levels
can be calculated

Ly,
m; = i 4 (Bk)
n.
J
z
;2 = HYiymmy) (85)
X\j-l

These valucs are given in table Bi.

TANLE B 1
Statistical date

stress [numb rof[v t
T urbe moan standard

level |feoupons (T |aeviaiony (30T | SR L3S |22
b] J
22 21 |o.7826977]0.0118347] 0.777 0.788 | 0.0091 | 0.0171
21 30  ]0.7610314}0.0160620] 0.755 0.767 | 0.0128 | 0.0216
18 30 (0.7217473|0.023350k | 0.713 0.730 | 6.0186 | 0.031k%
15 30 [o0.768164610.0227018] 0.760 0.777 | 0.0181 | 0.0306
12 30 [0.7786293]0.0225405| 0.770 0.787 | 0.0180 | 0.0303
10 30 {0.7907578}0.0250865] 0.781 0.800 | 0.0200 | 0.0338

30 0.7552585{0.0183169| 0.748 0.762 0.01%6 0.02k7
30 0. T2434820.0216167} 0.716 0.732 0.0172 0.0291
6.5 21 0.729779010.0168953] 0.722 0.737 | 0.0129 | 0.02L4

all
lovels

% mat 252 0.0202587 0.01865| 0.02222

252  10.7569858{0.031827 | 0.753 0.761

-
s
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If the assuuptions made so far are right, each of the mean values m. can be regarded as an estimate of the
mean M. Assuming a normal distribution for Yi it follows that J

c 2. [
o mé i
:\/nj \/nj

The value for ¢ is determined by Student's t-distribution. For confidence 8 = 0.95 the values for c are

(86)

my - <p

for n, = 21 c = 2.09
for nY = 30 ¢ = 2,0l (BT)
for n¥ = 252 ¢ = 1.96
Lower and upper limits for | are given in table B1 and figure Bl.
mall bnat
= e
2L e | 21 b wi—
21 - bt 2k [
18 |- Lo ey | 18 L Sas |
15 - [ 15 S e
STRESS 12 |- e STRESS 12| e |
W[ h—t—i 0} L e
8 L 8 [ |
6% F —— 65F bt
0 1 ) [ T 1 ] ] bd i ] ! )
0.70 0.72 0.74 0.76 0.78 0.80 e 0.01 0.02 0.02 0.04
NEAN

STARDARD DEVIATION A

Fig. Bl Contidence intervals of means rlg. B2 Confidence intervals of

standard Jdeviations

The confidence intervals are not in agreement with each other. For example the interval based on all
reasurements is overlapped by only three confidence intervals. Therefore it is concluded that the means

thus obtained are not estimates for the mean of the population. It is assumed now that for each stresslevel
an error exists. This error could be due to an error in the casumed S-N curve shape or to a systematic error
in the stress Sj. The best estimate for this erior is

. =n - (28
85 =my - )
This will be used to £ind new estimates for the endurance limit.
es =Y., = 0, B
Z:L.) Y:.,] 53 (B9)
Be. =c. B B10
or EJ.J es E:I.J (B10)
vith ¢, = 10% ™ %5 = & (811)
J E:
The revised S-N curve shape becomes
=E ,4A - (B12)
€5 (wB)

The totel error LX(Yij - m)2 will now be split up in {wo parts. One part is due to the errnr described
above, the other part will be attributed to maverial properties.




- 2 2
- = ey - + M, =
? § (Yij - m) § § (Y1J my + my m)
2 2

= es =~ Mg + - p S «s = M. +Z . -

?f (Y” mj) 2‘3; (mJ m) ¥ (YJ_J mJ) % n; (mJ m)
2 2

=X, . - Zn. o - .

o5 (g = 1)+ Zong (my - m) (B13)

and it follows that

e 2 2 Y 2 2
s A§ i (Y35 - n) § zj ("j =) N § B (mj m) mat * % mach. (B1L)
z = = —ttrt——

n-1 n-1 n-1

2 pat is the variance due to materisl properties. £ pgcp is the varience due to the testing machine and
deviations of the assumed S-N curve shape.

The values %. can be regardrd as an estimate for the standerd deviation A of the population. Assuming
& norma) distribution for Y; it follows that

n.-1 n.-1
g o pcy Ay, (B15)
°2 J ¢4 J

The values for ¢y and ¢, are determined by the cbi-~ square distribution. For confidence 8 = 0.95 the values ¢
and ¢, are
2

for n, = 21 ey = 9,59 ¢y = W7
nd = 30 c, = 16.0 oy = 45.7
ng = 252 ¢y = 208.6 o = 296.3

Lower and upger_limits are given in teble Bl and figurs B2. All cosfidence intervals, except one, have an
overlap and it is concluded that all values zj are en estimate for A, the best estimate being gmat
Tt is now assumed that the corrected endurance limits E have a log-normal distribation. The median is

E = 5.7146 = 10W, with 4 = m = 0.7569858 and the standard deviation is A = zmac = 0.0202587.

The distribution of 2 = log E is given in figure B3.
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Fig. B3 Probability distribution of the corrected
andurance iimits
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t3
The proportion p of the population that will have an endurance limit higher then I-:(p)=10""“A is defined by

k
2
1 -t
/—e 2 dt. =p (B16)
—w Van
and this can be found in tables of the normel distributicn.

The fatigue life Ni(p) that will be exceeded by a proportion p of the population can now be calculated with
the revised S-N cubve shape (equation B12)

A VR g (817)
e = Iﬁg—ml
C.
J

Probability distribution functions N:(p), with parameter S,, are given in figure 8 and show good agreement
with the measured probability distributions. J
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APPENDIX C

NORMALITY OF DISTRIBUTIONS.
Suppose a variable X has a normsl distribution with meen # = 0 and standard deviation ¢ = 1.
A sample of size n is drawn from this population and plotted on ncrmal probability paper (reference 25).

For the determination of the probability P(xi) several alternative methods exis: (reference 28). The following
expression will be used here.

Ply;) = 222 (e1)

One expects this plot to be a streight Liae passing through x = 0, P{x) = 0.50 and with slope, indicating o =1.
Ten samples of size n = §, drawn from a normal population {p = 0, ¢ = 1) are plotted in figure C1.

1 .0.9167 | J | T SaMpLE ) J 28 7GTE T g
P(x;)=
v i—(;'S) .
-0.75 "
0.5 -
-0.5833
0 7] —
-0.4167
~0.5 -
=0.25
~1,0 - -
15 -0.0833 | :
-3 =2 -1 0 1 2 3

X

Fig. C1 Ten samples of size 6 from a normal popuiation

This figure shows clearly that deviations from the theoretical straight line may be large.

Many methods exist to test the normality of a sample. A test that can be used for small samples is
described in reference 29,

In the folloving a statistic v will be considered that gives an impression of the deviations to be
eaxpected.

A sample of size n of the variable X is normalized to

xi - m
Yy =g {c2)
vithm= 255 (¢3)
n

. \/i‘___.'i’_ (et)
n-1

The normelized values of the ten scmples of figure C1 are plotted in figure C2.
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0.5 1

—0.5833

-0.4167
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-0.25
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-0.0833
-3 -2
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Fig. C2 Ten normalized samples of size 6 frox a normal population

The statistic v is defined as

n
£ (y, - ui)e (cs)
v = \[i=l
n-1
In vhich the quantity vy is defined with
Y
1 £ 0.5
—_ exp(-? ) dt = " (c6)
- van

For 1000 sarples of size n from a population with normal distribution (u =0, ¢ = 1) the statistic v vas
calculated,

Values for v exceeded by 5, 10, 50 and 90, per cent of the samples ure given in figure C3.

The samples of figure C1 and C2 have values for v between 0.17 aad 0.36.

Y
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FATIGUE ASSESSMENT OF UK MILITARY AEROPLANES
by

J I M Forsyth

Airworthiness Division, Structures Department
Royal Aircraft BEstablishnment
Farnborough, Hants GU14 6TD

England

SUMMARY

This paper outlines the approach to the fatigue assessment procedures used in the United Kingdom to
derive the life of military aeroplanes. It describes these procedures at all stages from the initial
apecification of the mission profile to the monitoring of Service use. It also indicates the pregsent
thinking on fatigue assessment procedures for fibre reinforced plastic and damage tolerant structures es
well as the latest work on loads measurement and in-service monitoring.

1 INTRODUCTION

The requirements for the design of structures of United Kingdom Military aoroplanes against fatigue
are contained in Aviation Publication No 970 (AvP 970). This document consists of a number of mandatory
chapters together with associated advisory’ leaflets. The leafleto relating to fatigue are currently in
need of revision. In this circumstance the design procedures and practices adopted recently have been
agreed project by project, Structures Depariment advising the Project Directors in the light of the latest
available knowledge.

This paper deals with the procedures that are in use now for ensuring ah acceptable fatigue perfor—
mance. They provide for compliance with the mandatory design requirements and for the subsequent
nonitoring of Service usage.

The fatigue assessment procedures can be considered under three general headings:—

(1) Bstimation of the load specira and hence the strecs spectra for the various parts of the
aeroplane structure.

(2) Assessment of the fatigue performance of these parts when subjected to the estimated
apectra.

(3) Monitoring the fatigue usage of these parts when subjected to the avtual service load
spectra and enviroamental conditions.

Together they form a continuous sequence through all the stages of the design, development, production and
in-service use of a project.

This paper desoribes the sequonce in detail, and concludes by indicating the latest thinking on
damage tolerant and composite siructures, lcads measurement and in-service fatigue monitoring.

This paper expresses the views of the author and does not necessarily represent the official view
of the Royal Aircraft Establishment.

2 THE AEROPLANE SPECIFICATION

When a new type of aeroplane is proposed its specification includes a statement of the fatigue life
that will be required in-service. Usually this is the life that will be expected, under a particular load
spectrunm agieed with the operators, from all aeroplanes of the type including those which, due to scatter
in fatigue performance, prove to be the weakest members of the fleet. For the best assurance that the
structure will be both safe and efficient it is essential for the designer to know as accurately as
possible how the aeroplane will be used. This means that the role or roles in which the aeroplane will
operate must be clearly and precisely defined. It is also essential that the definition of the roles must
be sufficiently detailed to allow accurate load spectrun estimzates to be made.

The details should include:~

(1)  Tho types of role for which the aeroplane will be used.

(2) The length of time spent in each role.

(3)  The operating weights, together with armament and fuel distribution, for each of the roles.

(4) 'The flight profiles for each role.

()  The number of landings.

(6)  The number of cabin pressurizations.

PSS o




From this information average load spectra can be estimated, using both generaliscl design data and
information from records taken on other existing aeroplanes in similar roles.

The specification must state whether the structure is to be designed to safe~life or damage-
tolerance principles. In the latter case tne specification needs to include the servicing intervals upon
which the damage~tolerance inspection scheduie can be based.

Inevitably in the course of service the weight of the aeroplane increases and changes of usage occur.
Generally some allowance for these eventuslities is made in the design but often the changes are more severe
than the designer could anticipate.

3 FATIGUE CLEARANCE PHILGSOPHY

The general philosophy for lifing aeroplanes in the UK is that the weakest member of the fleet shall
have a low probability of failure during the specified life. This is attained in practice by dividing
either the calculated or the test life by & factor of safetly, to obtain a service life within which there
is a low statistical probability of failure. 1In gervice, checks are kept on the usage by means of a
fatigue meter to determine the fatigue life consumed in any period of operation. This philosophy is
vindicated by the acceptable standard of safety that has been achieved over a period of many years.

3.1 Factors

Analysis of structures tested under variable-amplitude loading has shown that, when the mean life
demonstrated by test is reduced by a factor of 3k, a probability of failure about 1/4000 is achieved.
This is the factor that has been adopted to be applied to the life of the major fatigue test specimen.
When individual parts are tested a factor of 5 for one test, or a lower factor for more than one test, is
sequired.

Analysis of many tesis on structural features has shown that, as an alternative to the use of a
factor on life, the same probability of failure in service may be achieved by using a different factor to
reduce the stresses. The strength factors are 1.4 for steels and 1.6 for aluminjum and light alloys when
8ix specimens are tested; larger factors are required if fower than six tests are done. These factors
account for scatter in fatigue strength and uncertainties in the stress analysis.

To cover the uncertainties caused by differences in loading from aeroplane to aeroplane in a fleet
and by the determination of fatigue life by calculation only, extra factors are used. To allow for
differences in loading a factor of 1.5 on lifo or 1.2 on strength is used. (If loads are monitored in-
service, or are naturally limited, then this factor iz omitted.)

If the life is to be determined by calculation alone then the life is reduced by a further factor of
at least 2. In the case whore a strength factor is to be used to determine a calculated life, a total
factor of 3 is used.

All factors are continually under review.
3.2 Usage Monitoring

All UK military aeroplanes are fitted with fatigue meters. These instruments count the number of
exceedences of particular levels of normal acceleration, measured at the centre of gravity of the aeroplane.
As they record only centro of gravity acceleration they are of no direct value in assessing tho fatigue

darage due to any asymnetric manocuvres. However they do enable an estimate to be made of the aeroplanest
usage.

After every sortie a formula is used to estimate the total fatigue life that has been consumed by
each aeroplane. There may be more than one foruula for a particular aeroplane, to take care of different
st~vctural features. The counts of normal acceleration at the various tg! lovels are multiplied by
¢ ficients derived from the results of the fatigue test and from the S-N curve for the part involved.
Otu r coefficients and factors are used, with data from the sortie record, to take account of the ground-
air cycle, the type of role, the all up masa, stores carried etc.

4 ESTIMATION OF LOAD SPECTRA

The loads that make up the load spectra for any particular type of aeroplane arise from several
sources. 'These can be listed as:~

(1)  Cust loads due to atmospherio disturbances.

(2)  Manoeuvring loads in flight,

(3) Loads on the grownd due to taxying, take off and landing.

(4)  The grovnd-air cycle.

(5) Cabin and fuel tank pressurization.

(6)  oOther loads.
These sources will affect different types of aeroplanes in different ways. If the damage caused by loads
from one source is a very small proportion of the total damage then this source would be ignored in the

design calenlations. For example gust loads on a large aeroplane with a relatively low wing loading can
be as great as the manoeuvre loads and therefore will cause a significant amount of fatigue damage. On the
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other hand the damage caused to a high speed, high-wing-loading type of aeroplane by gust loads is small
compared to that caused by the manoeuvring loads, and for decign purposes the effects of gust loading are
often ignored.

For design purposes the load spectra are estimated from previous locad measurements from similar
types of aeroplanes used in & manner similar to that expected for the new design. As the design develops
and instrumented prototypes fly then load measurements made on these aeroplanes allow the data to be
refined.

Congidering now the various load sources.
4.1 Gust Loads

The~- are derived from the flight profiles defined in the aeroplane specification. The numbers and
magnitudes of gust loads are normally estimated in terms of the acceleration at the centre of gravity of
the aircraft, using rigid body theory to derive the structural loads. In the case of large aeroplanes
some allowance is made for structural flexibility. The fin is treated in a similar manner but an
arbitrary factor of 3 is applied to the gust frequencies to cover all gust and manoeuvre cases, including
the Dutch roll. The tailplane is designed on the balance loads with allowance for overswing loads during
manoeuvres. The gust loads are highly significant on aeroplanes with a low wing loading where such loads
contribute to a large proportion of the total wing fatigue damage.

4.2 Manoeuvre Loads

In general, manoeuvre loads on the wing and fuselage are derived from counting accelerometer records
Jrom comparable aeroplanes, which are analysed to obtain load spectra for each particular sortie type. As
the counting accelerometor records only accelerations normal to the flight path, any asymmetric manoeuvres
are not fully represented. Some account must be taken of such manoeuvres and generally ra%e~of-roll infor-
mation is used to estimate the asymmetric loads. Tailplano loads have, in the past, been derived by
considering the lail forces necessary to produce the various normal acceleration excursions at the centre
of gravity of the aircraft. In general it has been found that such loads are about tw.ce the balance loads.

Loads from this source contribute the major proportion of the fatigue damage to fighter, strike and
advanced trainer aeroplanes.

4.3  The Ground-Air Cycle

The ground-air cycle is defined as the rango through which the load on a part varies during a sortie.
The ground-air cycle for a typical large acroplano, expressed in terms of the normal acceleration at the
centre of gravity, might extend from -0.3 g to +2.3 g. Account needs to be taken of the aeroplane con—
figuration when the load range in a part is assessed. For example, take~off flap may induce higher loading
in the rear spar area of large acroplanes than at other times in the flight. Such loading is particularly
likely at relatively low airspeed and high fuselago weight during a rolling pull-up turn. Ground-air
cycles contribute the major portion of the fatigue damage in transport and strategic bomber aeroplanes.

4.4 CGround Loads

Loads produced during taxying and during the take-off and landing runs can be large enough to cause
fatigue damage. Generally these loads are of significance only to the undercarriage and the attachment
fittings but in large-span aeroplanes, especially ihose where the undercarriage is olose to the fuselage,
large amounts of fatiguo damage may be caused to the upper surface of the wing. In such cases the inertia
loads caused by sngines and fuel in the wings can be particularly damaging to the centre-section top skin
during take—~off.

4.5 Other Loads

These are mainly associated with auxiliary parts such as flying controls, flaps, airbrakes etc. In
these instances the local loading must be taken into account in the fatigue design. Another source is that
of acoustic ncise. This can produce fatigue-damaging loads by resonance at high frequencies. Unsupported
panels are prone to this kind of damage.

4.6 Analysis

Once all the fatigue loads spectra have been estimated they are converted into stress spectra and a
fatigue life is calculated for each part of the design. The stresses in fatigue-sensitive areas are
calculated from the "g' exceedences of the load spectra. As the design progresses and prototype aeroplanes
t1y with instrumentation the design may be modified in the light of the loads measured under actual flight
conditims, It is important to know the utilization of the aircraft in some detail, because the normal
acceleration at the centre of gravity must be associated with the aircraft mass and the flight conditions
to obtain the correct stresses in the various parts.

5 ASSESSMENT OF FATIGUE LIFE
5.1 Initial Assessment

From the stress spectra and the S-N curves an initial assessment of the fatigue life of the aero~
plane is made with the aid of Miner's Rule. The S-N data used by the designe: are often obiained from test
data on previous designs. If the design is a novel one and no relevant data exist then recourse is made to
general information on the properties of materials. Then due allowance must be made for the various
differences between the basic material and the component, eg stress concentrations, fretting etc. When
calculation shows that a part will barely have sufficient safe life then fatigue tests are done as part of
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the process of development to check the calculation. Such testa are preferably done under a realistic
loading spectrum and mey be done on a flight~by~f1ight basis.

5.2 Component Tests

Pollewing the initial ussessment of the fatigue life, critical areas of the astructure will have been
identified. Components or parts of the structure embracing these critical areas should be tssted in order
to gain confidence in the overall design.

5.3 Assignment of a Provisional Service Life

By the time tuat the first aeroplane enters sorvice some development flying and component testing
will have been done. I} is unlikely that the major airframe fatigue test will have been completed. In
order to safeguard the development and early service aeroplanes a provisional life for the airframe has to
be assessed. This will ee obtained by calculation based on the conponent fatigue tests so far obtained,.
using the best availabla S-N curves and an average load speotrum for the sortie or sorties expscted to be
flown. From these calculations a mean life will be obtained. Because of the lack of a major fatigue test
to prove the validity of the fotigue calculation, allowance for this uncertainty is made by applying a
factor of safety. This factor has to covor not only the uncertainties in the stressing and calculation of
life, but also the scatier in the matarial properties as well as usage differences from aeroplane %o
aeroplane.

6 FULL SCALE FATIGUZ TEST

There are many difficulties in meking accurate assessmenis of the behaviour of structural components.
The main causes of inaccuracies are the difficuliies of identifying the critical featurss and determining
the local load distributions within the oomponenia. For this reason it is now accepted that a fatigue test
of a complete airframe is necessary to give confidence in the calculations and to show up any shortcomings
in the assessment of the critical areecs.

Normally the Test Specimen is an early production airframe to ensure that it is comparable with all
the servico aircraft. The test load gpectrum is derived from a knowledge of the anticipated utilization of
the aircraft and from load measurements msde in development flying.

It is generally considered that all major loading actions should be represented in a fatigue test to
obtain a reliable determination of both where and when the airframe is likely to suffer damege. The loads
in the spectrum should be arranged in a realistic sequence so that the loading can be applied to the test
specimen on a flight-by-flight basis. Within each 'flight' the gust and manoeuvre loeds are applied in a
random pattern unless there are known reasons why it is not appropriate to do so. On trainers, for example,
it is acceptable to apply 10 to 12 set sequences of manoeuvre loads.

The test loads are normally the average loads expected to be experienced by all the eircraft in the
fleet in thoir life-time. To cover manufacturing tolervances, variations in material properties and
uncertainties in stressing, together with variations in usage, the test is continued for at least 5 tames
the specified life.

7 SERVICE LIFE

AvP 970 allows the designer the choice of designing the aeroplane to have either a safe-life or a
fail-gsafe structure, Tho defirition of fail-safo as given in AVP 970 is a structure which retains, after
initiation of any fracture or crack, sufficient strength and stiffness to allow operation of the aeroplane
with an acceptable standard of safety until the damage will be detected by inspection. To date no British
Military aeroplanes, other than civil aercplanes adopted for Military use, have been designed to have a
fail-gsafe structure. However, in service many, if not &ll, aseroplanes are to a greater or lesger degree
operated on a fail-safe basis. To understand how this system is operated it is best to consider first the
manner in which the safe life of the structure is assessed.

During the test on the full-scale airframe various failures occur under the test load epectrum.
These failures have to be related to the load spectra for the various service roles. To determine what
gservice life shall be given to a particular area that has failed the following procedure is used:-

a. The S-N curve for the particular feature is adjusted, by multiplying the siresses by a
factor, until the calculated life under the test load spectrum equals the test 1life to failure,

b, Using this adjusted S~N curve, the lire in each of the variows roles is caloulated wsing
Hiner's Rule. The samc ocurve is also used to determine the coefficients to be used in the fatigue
meter formula.

Cs The lives for each role are now factored to take account of scatter in fatigue performance.
Generally for the airframe the number of load applications during the specified life is law enough
to allow the use of a factor on life.

d. If the loads are not to be monitored in service then the further factor on 1ife or on
strength is required.

Thoge components with a safe life greater than the specified life will be treated on a safe-life
basis. However, there are likely to be parts that will fail before the specified life of the aeroplane 1s
consumed. Also there are likely to be failures in service which were unpredicted and not found during the
full-scale fatigue test. Such failures will be assessed when they occur, to determine whether they can
meet the fail-safe criterion or must be treated as safe~life items. This will entail fracture-mechanics
calculations to estimate the growth of the largest crack that may remain undetected at the failure point
under the stress syoctrun associated with the failure area. Also crack propagation tests may well be done




on representative specimens, or may have been done on the full-scale fatigue test specimen, to assist in
the determination of the inspection frequency. The operator will be consulted on these matters as he may
prefer to replace components at regular intervals rather than inspect much more frequently.

At the end of the favigue test the specimen ig subjected to static-loading to determine its
residual strength. Such a system ‘has been found o work reasonably well and it is with this system of
1ife agsessment that the factor 3% is used.

8 FATIGUE MONITORING IN SERVICE

The monitoring procedure is described in paragraph 3.2. It enables the total life consumed and the
rate of life consumption to be determined for each individual aeroplane. At appropriste stages lifed
items can be changed and inspections for particular failures can be initiated.

Some areag, for example the tailplanes, are not covered by such monitoring. In these instances the
1ife is normally assessed by counting the number of hours flown.

When an aeroplane which usually carries a fatigue meter is flown without one, the life is assumed
to be consumed at 1.5 x the average rate of consumption prior to that flight.

The measurements of normal acceleration are made at the centre of gravity and hence do not record
asymmetric manoeuvres adequately. Allowance for asymmetrical manoeuvres must thus be made without the aid
of a direct monitoring systenm.

It can be seen that though the present method does give a large gain over unmonitored aeroplanes it
leaves much to ve desired in asymmetric flight. Also it does 1little to assist in the assessment of the
true magnitude of the ground-air cycle. More advanced systems are needed to cover such requirements.

9 FUTURE DEVELORMENT

This paper has dealt with the procedures for fatigue assessment of aeroplanes as presently
practised in the UK. It has shown also cerlain deficiencies in various areas. The difficulties in the
work of life assessment are well known a:? chere is a continuing need for more knowledge in all the fields
asgociated with this assessment. To conclude this paper it would seem appropriate to look into the near
future t» see what changes are likely to occur.

AvP 970, particularly the section on fatigue life assessment, is under active review. New require-
ments are in draft form covering the clearance of structures incorporating fibre reinforced plastic
materials. Because these materials are sensitive to changes in their enviromment, particwlarly moisture,
the major fatigue test may need to be more complex. The present indications are that composite structures
have higher variability of fatigue life than metal structures. Because of this the major fatigue test is
unlikely to give as great an assurance of performance for the composite parts as for the metal parts. It
seems likely that the major fatigue test will be used to life the metal parts, and the composite parts
will be cleared by element and component tests. Whether or not environmental conditions are applied to
the major fatigue test will be a matter for debate. Clearly such measures would reduce the uncertainties
of the test but any advantages will need to be weighed aguinst the increased effort and cost. Such
environmental conditions would however have to be appliel to the element testing and possibly to the
component testing.

New requirements are also being drafted for the design of damage~tolerant structures. Whilst these
are broadly in agreement with the damage~tolerance concepts introduced in the US Mil Specs they differ
from the US requirements in that they retain the requirement for the safe-life factor to be demonstrated.
This is easential if unforeseen critical features are to be found with the usual degree of confidence.
Inspectable areas where failures occur before completion of the full-gcale fatigue test can be treated on
a damage tolerance basis that has much in common with our present fail-safe approach. Uninspectable
structure, however, does not have this option available and the life will be governed by the safe life
shown by test.

It is envisaged that our decign of future aeroplanes will be governed by both the 'composite! and
the 'damage tolerance' requirements. For composites, compliance is likely to be demonstiated by a static
gtrength test (covering early Service usage) followed by a major 'fatigue! test (possibly under environ-
mertal conditions). This major fatigue test may involve a factor on life together with a factor on loads
to cover scatter in fatigue properties of composites. Following completion of the fatigue test, during
which some parts may need to be repaired or replaced, the residual strength will be demonstrated.

In the field of loads measurement and analyslis it is now generally accepted that the range-mean~
pairs or rain-flow analysis is the optimum method. This background work is of great importance in the
selection of tuture in-flight fatigue monitoring systems.

As mentioned carlier there are well recognised limitations to the present system of fatigue
monitoring. Some method of assessing the fatigue loads on all the main units of the structure is needed.

One approach is to measure the loads and flight parameters under operational conditions on a few
fully instrumented aeroplanes. These data are “then analysed using statistical regression techniques to
give load equations ocontaining terms in all the flight parameters. Measurements of these parameters only
on all aeroplanes then provides a means of load monitoring for fatigue life purposes.

Another method of monitoring entails the use of strain gauges on every major component on the
aircraft. These gauges are located in carefully selected areas, well away from local stress concentrations.
Records from these gauges then enable the loading to be found directly.
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In both of these methods the signals would be fed into microprocessors in the flight data processing
system. In this equipment the signal peaks and troughs are recognised and are converted into a range-mean-
pairs matrix. Software development on microprocessors has achieved a capacity to handle a number of
channels simultanecusly and in real time. It is expected that there would be mimultaneous monitoring of
from 8 to 16 channels at 16 to 64 samples per second each .from different areas located over the whole
airframe.

From the range-mean-pairs analysis the fatigue damage at each sensitive location near the strain
gauge installation can be assessed by using the S-N curve for the feature and Miner's Rule. There is a
strong lobby to have this calculation done by the in-flight data processor and to give a read-out of the
life consuned for each channel on each flight. This requires a different programme for each sensitive
location. This is acceptable only where the fatigue tests are complete and the position of the SN curve
is established, as any large changes in the S-N curve pogition will invalidate all data and require re-
programming of the load monitoring device. In the real world these criteria are unlikely to be satisfied.

Copyright ©
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SYNOPSIS OF SPECIALISTS' MEETING ON HELICOPTER FATIGUE METHODOLOGY

Mr. Dean C. Boxrgman
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Chief, Structures and Aeromechanics Division
Directorate for Development and Qualification
US Army AVRADCOM
4300 Goodfellow Boulevard
St. Louis, Missoufi USA 63120

SUMMARY

This paper summarizes the principal results from the American Helicopter Society
(AHS) Specialists' Meeting on Helicopter Fatigue Methodology held in St. Louis, MO, on
March 25~27, 1980. The meeting was divided into six sessions. There were four general
sessions representing the four essential elements of fatigue methodology--usage spectrum,
flight loadings, component testing, and life calculations. In addition, an opening
session included a keynote address and a review of the fundamentals, while a panel
discussion on the last morning discussed the feasibility of standardization of helicopter
fatigue methodology. A highlight of the meeting was the presentation of the manufacturers'
fatigue methodology based on a calculated fatigue life of a hypothetical helicopter
component.

The meeting served as an excellent forum for the exchange of information in a field
of interrelated disciplines. While considerable participant feedback on the meeting has
been obtained, this AGARD meeting presents a further assessment of the status of heli-
copter design,

INTRODUCTION

Helicopter fatigue methodology has been well defined in each helicopter company for
many years, as commercial and military helicopter development couldn't have proceeded
without it. Howaver, the exchange of methodologies and fatigue information between
companies has almost been nunexistent. There are several reasons for this situation.
First, cach company is liable for its own products so that a company propriestary exists.
Second, since helicopter fatiuue methodology encompasses several disciplines, there are
usually only a few endginenrs in each company who understand its full application. ‘'rhird,
the variation in mechods appears small and is not perceivabla to all involved.

The large differences in fatigue lives caused by small variations in life determination
methods were highlighted by the reference 1 study. The observations and conclusions drawn
from the results of calculations of this study are summarized in Table 1. Further aware-
ness came as a rasult of the US Army's UTTAS and AAH Development Programs. Each of these
programs had two competing helicopter companies so that the US Army had the opportunity
of assessing and compariny the fatigue methodologies of four companies. In recent years
there have also heen several composite blade development programs where fatigue method-
ologies could be reviewed. Reference 2 summarized these experiences of the US Army and
called for a reexamination of the nceds and objectives in determining fatique lives. It
also stated that the materials, equipment, tools and knowledge are available to develop
a standardized method of establishing fatigue lives of dynamic components. The primary
objective of the standardized method would be to eliminate excessive conservatism and
consequently reduce the cost and weight of dynamic components without compromising safety.

vith this background, the American Helicopter Soclety decided to proceed with the
Specialists' Meoting on Helicqopter Fatigue Methodelogy. The agenda for the meeting is
presented in Table 2. The objective of the meeting was not only to bring together the
fatigue speciralists of industry and Government, but also to attract specialists of the
various other disciplines interrelated with helicopter fatigue methodology. This included
the helicopter operators, as they have the greatest understanding of how the helicopter
will be operated once it is fielded. For this meeting, the US Army represented the heli-
copter operator. The US Mrmy is fortunate in that it has just about every category of
helicopter in its inventory, e.g., attack, cargo, scout, and utility. Since the usage
spectrum is somewhat different for each of the..e categories, and is continually changing
with new tactics, each representative from the US Army user community was asked to discuss
the past, present, and future spectrums of each type helicopter. These presentations
made wp the first formal session of the meeting.,

Session II was devoted to Helicopter Flight Loadings since these are the sources of
the series of stresses that result in structural fatigue and form the complex helicopter
dynamic environment. The sequence of the papers in this session was chronologically
aligned with helicopter life calculations. The first paper d.alt with helicopter rotor
load predictions while the second and third papers dealt with the flight load survay and
how data is acquired and interpreted. The final session paper discussed a flight condition
recognition technique currently being evaluated on US Army operational helicopters to
determine actual usage.

I S 2
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The third session dealt with component fatigue testing, Since rotor blades, controls,
and drive system components have their own peculiarities with respect to fatigue testing,
a paper was sought addressing each item, Additionally, with the large influx of composite
materials into helicopter design, several papers were requested to discuss composite
component testing.

session IV was planned as the highlight of the Meeting., For this session, a means
was sought which would allow each helicopter manufacturer the opportunity to apply its
own methodology to a common fatigue problem. A hypothetical pitch link with given flight
loads and component fatigue test results was chosen as a means of keeping the problem
simple while simultaneously illustrating the differences in calculated lives due to various
methodologies.

N ]

On the final morning of the meeting, a panel discussion on standardization of heli-
copter fatigue methodology was conducted. The purpose of this panel discussion was to
summarize the meeting and determine if steps toward standardization were feasible and
acceptable to the industry and government participants. The remainder of this paper will
survey the results of each session and draw conclusions and recommendations.

OPENING SESSION

The Opening Session consisted of a keynote address and a review of the fundamentals
of helicopter fatigue life determination., 1In the keynote address, the Speaker gave an
excellent overview of the history of fatigue, its application to both fixed and rotary
wing, and the technical management system called fatigue methodology. Having served as
the Chief Structural Engineer at three different aircraft companies, he was able to draw
on numerous individual experiences to highlight his presentation. The review of funda-
mentals presented by the second speaker in thisc session set the format for the meeting
and helped to familiarize individual specialists with all aspects of fatigue life deter-
mination. A simple life calculation for a rotor blade root end section was used for
illustrative purposes,

SESSION I--ARMY HELICOPTER MISSION SPECTRUMS (PAST, PRESENT, FUTURE)

Representatives from the US Army's Training and Doctrine Command (TRADOC) presented
typical helicopter mission spectrums for four categories of helicopters. Past, present,
and projected future missions were considered. The emphasis from the Attack Helicopter
Presentation was that we must design our machines for the most stringent future profiles.
It was also stressed that the user and designer must work together. The user must strive
to describe realistic combat environments to the designer, and the designer must describe
realistic and economical design points. The theme derived from the Cargo Helicopter
Presentation was that the enemy threat has driven us to provide more maneuverable cargo
systems which must be able to effectively work both day and nighkt. & challenge was
issued to the designers to develop logistical helicopters and cargo auquisition systems
which reduce their vulnerability and simultaneously increase productivity.

In the presentation, "Evolution of the Aeroscout,” a description was provided of how
scout helicopter tactics were developed in Southeast Asia with the OH-6A. Quick stops,
sideward and rearward flight, and rapid pedal turns cccurred frequently but had not been
encompassed in the manufacturer's design criteria,

During the Utility Helicopter Presentation, emphasis was again placed on designing
for the most severe combat conditions. Future missions for the utility helicopter were
described as, "quick, of short duration, very abrupt, and with high exposure to the very
worst elements of combat."

There is no doubt that military helicopters in all mission categr cies must be designed
to perform a variety of jobs, for long periods of time, under combat conditions. Therefore,
the usage spectrum in modern military helicopter specifications is particularly severe.

A logical question is whether fatigue lives based on these wide spectrums should apply
in peacetime? IXf not, can fatique lives be safsely extended? An examination of this
question was a primaxy purpose for this Meeting.

SESSION II--HELICOPTER FLIGHT LOADINGS

The prediction, measurement, and understanding of helicopter flight loadings have
improved considerably in the last decade. Prior to this time, standardization of heli-
copter fatigue methodology could not have even been considered. During the presentation
on Helicopter Rotor Load Predictions, emphasis was placed on the importance ot including
unsteady aerodynamics, rotor wake, and an accurate definition of rotor blade airfoil
pitching moments in the simulation modeling. A previous empirical design approach was

compared with the current analytical design approach to demonstrate the resultant improve-
ments.

The importance of the Flight Load Survey was clearly defined in the second paper of
this Session. Table 3 is a reproduction of Table A from this paper and illustrates it
as the focal point for all other development testing. The benefits and importance of
modernized data acquisition and reduction systems were expounded in this paper as well
as the subsequent presentation on Flight Test Data Acquisition and Interpretation. In
the lattexr presentation, it was stated that the computer age has opened the door to opti-
mization of data handling. It was also emphasized that the point has now been reached




in flight test data analysis where the fatigue methodology should no longer be constrained
by limitations in the handling of fiight load survey data. With the advent of these new
data systems, the statistical nature of 7ilight loads can easily be accommodated. As a
result, a rational approach similar to that which has already been applied to fat.igue
strength can be provided for flight loads in fatigue methodology.

The presentation on Force Determination demonstrated an innovative approach to
assessing helicopter loads and response through the calibration and subsequent measurement
of only fixed system parametexrs. This method has the advantage of providing a better
understanding of helicopter flight loadings and how they interact throughout the aixframe,
as well as reducing the gost and unreliability of slip rings and rotating instrumentation,

The final presentation during Session II, Flight Condition Recognition (FCR), dealt
with a cost effective method of tracking the accumulation of fatigue damage on critical
helicopter dynamic components. The Structural Integrity Recording System (SIRS) is bexng
developed by the US Army Aviation Research and Development Command to permit monitoring
the usage spectrum of each helicopter. Success of this technique could do much to reduce
cost in the acquisition and life cycle of fatigue critical components. Standardization
and a better undexrstanding of fatigue methodologies would do much toward implementation
of a successful FCR technique.

SESSION III--COMPONENT FATIGUE TESTING

Component fatigue testing is an art in itself, Each helicopter company has developed
its own techniques. As was mentioned in the Introduction, presentacions in th*s Session
were made on fatigue testing of a drive system component, control component, and rotor
blade. Additionally, several papers were presented on the impact of fatigue testing of
composites and how to detect and identify modes of failure. An overview of the Advanced
Attack Helicopter (AAH) Patigue Testing was also presented. Many excellent presentations
were given during this Session, and the reader is encouraged to review each of the indivi-
dual papers in this Session.

SESSION IV-~FATIGUE LIFE PREDICTION

As stated in the Introduction, Session IV was planned as the highlight of the Meeting,
It was also noted that the variztions in helicopter fatigue methodologies between companies
appear small and are not perceivable to all involved. To ask each manufacturer to present
a general ovesview of his methodology would have masked the subtle differences which
have a major impact on calculated lives. For these reasons, it was determined that the
most effective way would be to request each manufacturer to calculate the fatigue life
of a hypothetical helicopter component.

The component chosen was a main rotor pitch link which typifies one of the simpler
helicopter fatigue problems. Further simplification was included in the problem aud is
summarized in Table 4. Interxpretation of flight loads, S/N curve shape reductions from
the mean, notch factor, stress ratio or Goodman corrections vere left to the discretion
of each participant. Statistical distribution of material allowables or flight loads
were to be based on the participants' e:xperience with similar materials and/or aircraft.
It was hoped that the problem had not been oversimplificd to the point of obviating the
significant differences in calculated fatigue lives experienced previously.

Seven manufacturers made presentations with variations in calculated fatigue lives
from 9 to 2594 hours based on peak loads and from 58 to 27,816 hours based on cycie-
counted lcads. Comparison of several parameters, as shown in Table 5, provides some
insight into the large differences into calculated lives. The mean loads for the S/N
curves varied between 1 2024 pounds to % 2200 pounds which illustrates some dxfferences
in the 8/N curve shapes utilized. The endurance limits established varied from % 1225
pounds to } 1722 pounds which illustrated a large variation in xeduction factors due to
the different statistical treatment of the component strength data., A good summary of
life as a function of reduction factor is illustrated in Figure 1 from Reference 3.
This plot clearly shows that fatigue lives are significantly impacted by the reduction
factor desired or required. A final parameter that illustrates a large variation is
the ratio of cycle counted life to peak load life. These ratios varied from 1.96 to
17.40 which emphasizes that cycle counting methods have a significant impact and that
they vary considerably between manutacturers.

The American Helicopter Society is extremely grateful to the seven manufacturers who
participated by calculating fatigue lives for the hypothetical component. There is no
correct solution to the problem. The authors fecl that all solutions are conservative,
and it is the level of excessive conservatism that we are seeking to understand through
open and frank discussion.

PANEL DISCUSSION ON STANDARDIZATION OF HELICOPTER FATIGUE METHODOLOGY

A standarxd as defined by the American College Dictionary is "anything taken by general
consent as a basis of comparison; an approved model." The purpose of the panel discussion
on standardization of helicopter fatigue methodology was to see if the "general consent”
was present so that an "approved model" of helicopter fatigue methodology could be estab-
lished. Members of the Panel represented most of the formal helicopter certification
authoxities in America, e.g., the Federal Aviation Administration (FAA), the US Navy,
and the US Army. The manufacturers were represented formally by a panel member and
informally by open discussion from the audience.
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In the opening presentation, it was stated that the FAA has attempted to attain
standaxdization by publication of the policy in it:s Federal Aviation Regulations (FARs)
and Advisory Circulars (ACs). Unlike the speca’i¢ guidelines given in Civil Aviation
Manual (CAM) 6, Appendix A, the new FAA policy stizsses the applicant meet minimum
standards of airworthiness while encouraging higher ctandaxds. "These higher standards
are dependent on the applicant's or his prospective customer's objectives."

In the past, the US Navy ‘has provided much leadership in the area of helicopter
fatigue. An attempt to establich a standard helicopter fatigue methodology for US Navy
evaluation is presented in Reference 4. An interest to assist in future standardization
was evident in their presentation. The US Army's view was a reiteration that standardi-
zation would be advantageous and should be sought in areas of "general consent."

The manufacturers' view was expresse@, both in the formal presentation and from the
manufacturers in the audience. While most thought that some form of standardization
would be beneficial, there was much concern that standardization would restrict engineering
judoment and provide unnecessary constraints., As the open discussion continued, a
general consensus was reached that there are many areas of helicopter fatigue methodology
that can be standardized and, in view of the large differences in calculated fatigue lives
for the hypothetical component, that exchange of information among fatigue specialists is
essential, One manufacturer's view of what could be successfully standardized is presgented
in Table 6.

There were several views expressed on how the standardization of helicopter fatigue
methodology could be accomplished. One view is that a technical committee or working
group of Government and industry fatigue specialists be formed under the auspices of AGARD.
The working group would outline, by priority, the clements of helicopter fatigue method-
ology that should be standardized and would meet periodically to review and approve the
work accomplished.

Another view expressed, and one which appears to be favored by industry, is that an
independent council on helicopter fatigue be established with no particular affiliation.
The American Aerospace Flutter and Dynamics Council was cited as an example of an existing
independent working group made up of technical specialists. The Council meets periodically
behind closed doors and exchanges technical information that is not documented formally
for the pubiic domain. Many specialists agreed with this approach in view of the lia-
bilities associated with in-flight component fatigue failures and the reluctance to docu-
ment individual problems publicly. It is suggested that Round Table Discussion during
Session VI of this AGARD Meeting discuss the merits of fatique methodology as well as
meang of implementation.

CONCLUSIONS AND RECOMMENDATIONS

The excellent presentations given, the open and frank digcussion that accompanied
them, and the positive feedback that has been received since the Meeting indicate that
helicopter fatigue methodology was a worthwhile and interesting topic. 'The following
are the significant conclusicns drawn from the Meeting:

1, 2 statistical treatment of flight loads as well as fatigue strength is now
possible and should be included in helicopter fatigue life calculations,

2. The uncertainties of usage spectrum can never be completely eliminated but
can be improved by close coordination between the user, developer, and
manufacturer during the design process.

3. Standardization of some areas of helicopter fatique methodology are highly
desirable and a means of implementation should ba defined.

4. The exchange of helicopter fatigue information and experiences among
fatigue specialists is highly desirablc provided necessary proprietaries
are observed.

While the emphasig in this paper has centered on US involvement in the standardization
of helicopter fatigue methodclogy, its universal application was evident by the inter-
national participation at the AHS Specialists' Meeting. The AHS Meeting provided the
opportunity to obtain an informal consolidatved US position on standardization prior to
this meeting. In view of the conclusions stated above, it is vecommended that the AGARD
Panel proceed with the development of a handbook on the fatigue design of helicopters.,
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TABLE 1

CONCLUSIONS

The following observations and conclusions can he drawn from the results of calculations
reported herein:

1. Using various treatments of the same basic data, fatigue lives have been calculated
that range from a low of 745 hours to a life in excess of 1,000,000 hours.

2. CAM-6 Appendix A, the only definitive regulation on this subject, permits sufficient
latitude that the highest of these lives would meet its requirements.

3. Flight spectrum variations involving as little as 1 1/2% of flight time can cause
variations in calculated life as high as 46% (Case Vb.2).

4, A fatigue life determined by the "cyclic unit" method of CAM-6 was found to be 48
tirmes as high as that which would be determined for the same components by an S-N, cumula-
tive damage calculation. (Cases VIa and b) Operation to this higher life amounts to

the assumption of a risk of failure that is 40 times as great as that associated with

the S~N cumulative damage calcuiated lLife.

5. The sensitivity of calculated fatigue life to minute variations in critical values
of the parameters indicates that any arbitrarily selected schedule or technique may
produce a highly erroneous estimate of fatigue life.

TABLE 2

AHS SPECIALISTS' MEETING AETNDA

SESSION PAPER NO. TITLE AUTHORS
Opening Keynote Fatigue Methodology~~A Technical L. Douglas
Address Management System for Helicopter
Safety and Durability
1 Fundamentals of Helicopter Fatigue D, Schrage
Life Detexmination
I 2 Attack Helicopter Missions-- C. L. Shrader
Past, Present and Future
3 The Cargo Helicopter: A R. L. Stoessner
Logistical Vehicle R. C. Heehn
4 Bvolution of the Aeroscout G, Fossum II
5 Utility Helicopters C, F. McGillicuddy, Jr.
II [ Helicopter Loads Predictions J. Yen and M. Glass
7 Modern Techniques of Conducting B, Groth

a Flight Loads Survey Based on
Experiences Gained on BLACK HAWK




b 2l S A e A A

AHS SPECIALISTS' MEETING AGENDA (CONT'D)
8 Flight Test Data Acquisition and C. Hutchinson
Intexpretation H. Steinmann
9 Hub Force Determination and N. Calopodas
System Identification
10 Flight Condition Recognition D. Saylor
{FCR) Technique
IIX 11 Advanced Attack Helicopter Fatigue Deveaux
Testing: Overviews
12 NDE of Composite Rotor Blades R. Shufford
During Fatigue Testing W. Houghton
J. R. Mitchell
J. W. Sobczak
13 Application of Fatigue Crack H. Faust
Propagation and Strain Survey
Testing to the CH-46 Aft Rotor
Drive Shaft
14 Environmental Fatigue Behavior M. Roylance
of Aramid Composites R. Lewis
15 Structural Testing of Composites P. Maloney
with Known Defects
16 Patigue Substantiation of B. Stockex
Non-Linear Structures
17 Fatigue Test of the Typical J. Slack
Main Rotor Controls Component J. Cernosek
v 18 Hiypothetical Fatigue Life R. Arden
Problem
19 Hypothetical Fatigue Life G. Stievenard
Problem Application of
Aerospatiale Method
20 The Agusta's Solution of G. Aldinio
AHS's Hypothetical Fatigue P. Alli
Life Problem
21 A Method of Determining Safe G. McCloud
Service Life for Helicopter
Components
22 Boeing Vertol Fatique Life G. Thompson
Methodology
23 Hughes Helicopters--Fatigue J. McDermott
Life Methodology
24 Fatigue Life Prediction of C. Hardersen
Helicopter Pitch Link Using
Kaman Life Calculaticn Methods
25 The Challenge of Standardizing B, Altman
Fatigue Methodology J. Pratt
Panel 26 The FAA View--Standardization J. Major
Discussion of Helicopter Fatigue Methodology
27 Helicopter Fatigue Methodology J. McGinn
Standardization--The Navy's View
28 Helicopter Patigue Methodology R. Wolfe
Standardization-~The Amy's
View
29 Helicopter Fatigue Methodolugy J. Dress
Standardization--A Manufacturer's
View
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TABLE 3
INTERACTIONS OF FLIGHT LOADS SURVEY WITH OTHER TEST REQUIREMENTS

DESIGN ANALYSIS ~
LOADS IDYNAMIC STATICI FATIGUE

] GROUND TEST QUALIFICATION

! WIND TUNNEL | WHIRL | BENCH | SUBSYSTEM | STA I

y
AIRCRAFT GROUND TEST

SHAKE TEST GIV

Y

‘ ACFT FLIGHT QUALIFICATION 1

DEVELOPMENT TESTS

\ oTGET | FLIGH? LOADS SURVEY A'vsnlz)ggéggxon}—
N e — }
DEMONSTRATION
\ Y
SECONDARY SURVEYS SECONDARY DEMONSTRATIONS *
1. ENGINE VIBRATION 1. PROPULSION/POWER SYSTEM |
»| 2. PROP SYSTEM TEMP 2, DYNAMIC STABILITY i
i 3. ENGINE AIR INDUC 3. PERFORMANCE ':
4. ENGINE EXHAUST 4. FLYING QUALITIES !
5. AIRFRAME VIBRATION 5. ELECTRICAL SYSTEM %
6. CREW ENVIRONMENT 6. AVIONIC SYSTEM !
7. INFRARED RADIATION 7. HYDR:ULIC/PNEUMATIC :
§. RADAR REFLECTIVITY 3. FURNISHINGS/EQUIPMENT ‘
9. LIGHTNING 9, ELECTROMAG COMPATIBILITY
" 10. ACOUSTICAL 17, ARMAMENT/ARMOR
p 11. ICING 11. EXTERNAL STORES
, \
Ny
SERVICE TESTS
»|FLIGHT MANUAL

TABLE 4 \
HYPOTHETICAL FATIGUE COMPONENT 1

COMPONENT DESCRIPTION: Main rotor pitch link, critical area is threaded section
of the end fitting. Geometry, material, and heat treatment
given., MIL-HDBK-5C referenced for material. MIL-S-8874A
referenced for details of thread design.

FLIGHT SPECTRUM: Given and simplified with no weight, cg, altitude or rotor

RPM distribution,
FLIGHT LOADS: Given and simplified with the assumption that each maneuver

duration is equal to the total time shown in its flight

load figure. Pitch iink is only axially loaded. 9
COMPONENT STRENGTH: Laboratory test results of six specimens were given.

Simplifications were no runcuts, all failures, and all
failures occurred at the same location.
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TABLE 5

RESULTS OF HYPOTHETICAL FATIGUE LIFE PROBLEM

MEAN LOAD  ENDURANCE PEAK CYCLE COUNTED
S/N CURVE LIMIT LOAD LIFE LIFE RATIO OF
MANUFACTURER (LBS) (LBS) (HRS) (a) (HRS) (B) {B) TO (A)
A +2176 11225 9 58 6.44
B +2200 +1673 804 13866 17.25
c 12061 t1i722 1831 27816 15.19
) 12106 11685 1294 22523 17.40
E 12024 1717 2594 24570 9.47
F #2101 1615 67 191 2,85
G 12200 t1500 240 470 1.96
TABLE 6

AREAS OF FATIGUE METHODOLOGY THAT COULD BE STANDARDIZED

@ Number of test specimens required
® S/N cuxve shapes for specific materials
® Reduction factors for working curxves or ground rules for their establishment

@ Grourd rules for mission spectrum development, £light data selection and number of
data points required

® Use or non-use of Goodman corrections

@ Selection of test steady loads

@ Requirements for treating non-linear stress

@ Definition and application of GAG in fatigue substantiation
@ Limitations and use of cycle counting

® Use of runout data

® Determination of primary frequency

@ Identification of new risk areas as indicated by service problems and incorporation
of new compensating factors in the methodology
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Report on Session I
SURVEY OF CURRENT PROCEDURES
by

Dr-Ing. Walter Schiitz
Industrieanlagen-Betriebsgesellschaft mbH
Einsteinstrabe 20, 8012 Ottobrunn, Germany

I have to report on Session I “‘Survey of Current Procedures”. Three papers were presented by Noback, Cansdale
and Schage,

Mr Noback gave a description of the methods used for predicting the fatigue life by the various manufacturers.
In principle, they are all similar, that is. SN tests in the region of the fatigue limit are carried out, establishing a more
or less well defined mean SN-curve. Using an assumed stress spectrum and an assumed coefficient of variation, an
SN-curve for a high probability of survival is calculated. Using this as  basis, Miners rule is employed to calculate the
life under the assumed or agreed-to load spectrum, the maximum loads of which are only slightly higher than the
calculated fatigue limit at this high probability of survival due to the large number of cycles occurring. This is the
principle used by all manufacturers, and one would expect the results to be similar, however, due to the many individual
steps and the many assumptions necessary for this procedure, there are extreme differences between the actual lives
predicted by the various manufacturers. the example presented at the American Ielicopter Society meeting and
mentioned by Messrs Noback, Dr Schage and some other speakers showed differences in life between 8 and 27,000
hours, that is a variation of about 1.3000. After this, to me, somewhat disturbing introduction, Mr Noback made several
proposals on how to improve the present, obviously unsatisfactory situation regarding fatigue life prediction.

Mr Cansdale had been expressly asked by the Working Group to talk on the fatigue life prediction methods used
for fixed wing aircraft.

Dr Schage presented a syriopsis of the American Helicopter Society meeting on Helicopter Fatigue Methodology.

Apart from the example already mentioned which showed the extreme differences in calculated fatigue lives, the topis
at this meeting were

— mission spectra

— flight loadings

— component testing and, last but not least )
— standardisation of helicopter fatigue methodology. ’

It was generally agreed that there was an urgent need for standardisation. One view was that a technical committee ‘
or working group of Government and industry fatigue specialists be formed under the auspices of AGARD. .

My personal view of the situation as presented not only by the three speakers I have reported on but also by most

other speakers and discussors is that now is the time to improve the unsatisfactory situation in helicopter fatigue life
prediction,

One big step in the right direction is the introduction of damage tolerance requirements to safeguard against battle
damage and for the occasional undetected manufacturing or service-induced flaw.

Another step, which fits quite well into the damage tolerance requirements is the necessity of spectrum testing.

—y
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APPLICATION OF DAMAGE TOLERANCE CONCEPTS FOR MBB HELICOPTERS
by
M.v.Tapavicza and F.Och
Messerschmitt~B8lkow~Blohm GmbH

Postfach 801140
8000 Milnchen 80, Germany

SUMMARY

The more and more proncanced tendency of modern helicopters towards higher effi-
ciency and reliability requires materials and structural designs possessing high strength
and good damage tolerance behaviour.

This paper outlines the damage tolerance methodology used at MBB for helicopters
of the BO 105 family as well as for the BK 117, One example of each type of damage to-
lerant design,realised in or developed for MBB helicopters is discussed in detail and
the design criteria for the other vital components are sunmarized.

It is shown that only a few vital components are designed according to the safe
life philosophy.

1. INTRODUCTION

Current fatigue substantiation philosophy can roughly be represented by the follo-
wing scheme:

[ FATIOUE SUBSTARTIATION PHILOSOPHY l

,/—””””'ﬂ\\\“\~\

I SAFE UIFE I I DAMAGE  TOLERANT j

FAL SLOW
SAFE GROWTH

etge—

HULTIPLE TEAR
LOAD PATHS STOPPERS

Fig. 1 Fatigue Substantiation Philosophy

Fatigue evaluatiuvn of rotorcra®t structures has to establish that within the wor-
king life, the expectation of catastrophic failure from fatigue origins is extremely re-
mote and, additionally, the incidence of non-catastrophic cracking is maintained at a
sufficienfl¥ low level to enable economic utilisation of the rotorcraft structure to be
attained [1].

These aims have to be achieved within the framework of a minimum weight and cost
as well as a maximum performance concept. In depth knowledge of the fatique properties of
materials and components is necessary

+ in design ~ to avoid unsuitable construction,
+ in production - to consider the effect of manufacturing technology,
+ in maintenance -~ to implement adegquate inspection.

However, the reliable estimation and prediction of a part’s lifetime are still
greatly hampered by insufficient kuowledge and data concerning the fatigue and fracture
properties of materials., Furthermore, reliable mission spectra are difficult to set up,
especially as opeirational requirements of light helicopters, such as MBB°s BO 105, may
vary within a broad field of operations [2]., When fatigue evaluation is based on safe-
life considerations, these uncertainties are compensated for by very conservative assump-
tions with respect to flight loads and working S/N curves.
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The more and more pronounced tendency of modern helicopters towards higher power
and improved performance, towards better manoeuverability and qualification for extreme
nap-of-the~earth flights, towards improved survivability and reliability and towards re-
duced mair.tenance and improved iidssion availability demands materials and structural
design with high strength and good damage tolerant behaviour [3].

Guidance material and detailed requirements on damage tolerance can be found in [4]
and [5], respectively.

2. DAMAGE TOLERANCE METHODOLOGY

During design, production and maintenance of modern helicopter structures, consi-
derable effort is expended to ensure a crack-free fatigue life, without an absolute
guarantee that fatigue cracking will not occur, The structure must therefore be designed
so that should serious fatigue, corrosion, or accidental damage occur within the opera-
tional life, the remaining structure can withstand reasonable loads without failure or
excessive structural deformation until the damage is detected.

Structures can be designed in two different ways to achieve this goal, namely with
either redundant load paths or crack-arrest capability, known as "failsafe", or by en-
suring that crack propagation will be slow, known as "slow crack growth" (see Fig. 1).

Fail Safe Evaluation

The fuselage, as the major part of the helicopter structure, is usually a semi -
monocoque construction of stressed skin, stringers and frames, representing a highly re-
dundant system, where the stiffening elements act as skin crack stoppers. This structure
is generally stressed using static load cases. Full scale fatigue tests are carried out
under manoeuvre load conditions, neglecting high frequency vibratory loading, in order
to show crack—arrest capability and to provide guidance information for the maintenance
manual.

Failsafe behaviour of components may be achieved by two or more load paths. Dupli-
cate structures, where a faillure occurring in one element of the menber will be confined
to that element, the remaining structure still possessing appliicable load-carryiny
ability, or backup structures, where one member carries all the load, with a second mem-
ber available to assume the load in case the primary member fails, are used. Damage de-
tection can be achieved elther visually or by a change in helicopter vibration level.

Tests are conducted on components to determine the location and modes of damage
and to establish how many of the redundant elements may fail without questioning resi-
dual strength to withstand the design limit loads. The difference between the time at
which the damage becomes detectable and the time at which the extent of damage reaches
the value critical for residual strength, will be determin:d by these tests as a basis
of an inspection programme.

Slow Crack Growth Evaluation
Fatigue always comprises three distinct stages:

» crack nucleation,
+ crack propagation,
* rapid failure.

Crack initistion is of a statistical nature, as structures may go into service al-
ready containing cracklike manufacturing defects or just unavoidable notches, where at
the notch root a crack must first be initiated [6]. A completely reliable method for the
prediction of time to fatigue crack initiation therefore does not exist.

Crack propagation analysis, i.,e. predicting the time available from damage -detection
to failure of the part, is best covered by fracture mechanics. Fracture mechanics is a
discipline that relates the crack extension characteristics of a material to the part’s
geometry and the applied stress. The governing parameter in fracture mechanics is the
stress intensity factor K which can be related to applied stress in the loading mode I,
which is both the most developed and the one of greatest interest, by the following
relationship

Ky =B+o0/m<a (1)

where ¢ is the gross applied stress, i.e. the stress if there were no crack, a is
the half crack length and 8 is a nondimensional function of crack size and structural
geometry. B can be derived from classical theory of elasticity and will be found in hand-
books for many crack cases.

Fracture will occur when the stress intensity factor exceeds a critical value, e.g.
KIc for plane strain conditions, which can be considered a material property called frac-
ture toughness and can be determined by experiment., Fracture toughness in combination
with equation (1) 1leads to the conditions (crack size and applied stress) at which a
part will fail.
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To establish subcritical crack growth under fatigue loading we use the well known
Forman egquation

da c + sK"
—_ 0 —_—_—.—. (2)
an (1-R) - K,-8K

A computer programme, commonly agreed within the German aircraft industry, is used
to calculate the constants C and n from the test data.

The accuracy of predictions is limited by the variability in properties and by the
unknowns in load history, therefore adequate safety factors must be taken into account.
Tests on full scale components are carried through with simulated damage, where actual
fatiqgue cracks could not be produced.

For structurxes made of composite material, fracture mechanics is neot applied, up
to now, at MBB”s helicopter division.

Combination of Safe Life and Slow Crack Growth Evaluation

In establishing replacement time for safe life components which exhibit slow crack
growth capability we use a combination of the safe life and slow crack growth concepts
by evaluating both the fatigue strength and the fatigue damage propagation rate. A xre-
placement time and an inspection period must be assigned to these components. In the de-
termination of the replacement time a working S/N curve derived from the experimental
mean curve with a strength reduction factor is used. This factor depends on slow crack
growth capability and the detectability of an impending failure and can produce a woxr-
king S/N curve anywhere between the 99.9% probability line and the bottom of scatter
line.

3. DAMAGE TOLERANT DESIGN \
\

The BO 105 family,i.e. civil and military versions and the BK 117 show the concept
of redundancy not only in two engines and two independent hydraulic systems, but also in
the damage tolerant design of many components in the main and tail rotor as well as the
drive system, leading to a more forgiving structure in respect to poor maintenance, en-
vironmental deterioration and operating abuses. The advantages to the customer are
apparent in the form of greater safety and rellability, elimination of unnecessary com-
ponent replacements, reduced maintenance and improved mission availability of the heli-
copter.

One example of each type of damage tolerant design, present in or developed for
MBB helicopters is discussed in cdetail and the design criteria for the other vital com-
ponents are summarized.

Quadruple Nut

The quadruple nut is an element of the main rotor system, Fig. 2, situated in the
center of the rotor hub, used to balance the centrifugal forces of opposite rotor blades,
Fig. 3.

Fig. 2 BO 105 Main Rotor System Fig. 3 Centrifugal Force Retention System

Hitherto, the quadruple nut has been a safe life component. A damage tolerant
approach was also considered, where the design consisted of an additional wrapping of
high strength steel wires, Fig. 4, forming a second load path, as backup structure, if
the monolithic part failed.

— i ——
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Tests wexre conducted with loads equivalent to a rotor speed of 118%. After about
5000 start-stop cycles cracks could be detected with the naked eye, as shown in Fig. 4.
Complete failure of the monolithic part was found after a total of about 13 500 cycles
and the wire started to fail after an additional 16 000 cycles (Fig. 5).

Fig. 4 Cracks in a Quadruple Nui Fig. 5 Fatigue Tested Quadruple Nut

A failure of the primary part would be immediately indicated by the vibration
resulting from the unbalance caused by the blade moving outboard until the wires, as
the secondary load path, fully reacted the centrifugal force. In tests we measured a
radial displacement of about 2 mm at 100% rotor spesd.

Tail Rotor Drive Shaft Coupling

The tail rotordrive shaft couplings transmit the tail rotor toxque and balance
angular and longitudinal misalignments of the drive shaft. The coupling consists
of 12 steel laminates packed between a pair of titanium adapters (Fig. 6), and represents
an example of simultaneous multiple load paths.

Under normal environmental conditions these couplings together with the adjacent
components provide sufficient static strength and an unlimited life time. To establish
inspection periods under an adverse environment we conducted fatigue tests in a salt
water atmosphere, Fig. 7, 8.

oo s == Y
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rig. 6 Taillﬁotor Drive Shaft with Disassembled Fig. 7 Salt Water Ccrrosion Fatigue Test Set-Up
Couplings

Both constant amplitude torque tests and flight-by-flight load history simulation
show that the remaining structure possesses sufficient load carrying ability when 4 lami-
nates out of 12 have failed. An inspection period of 1200 flight hours was found to be
adequate even with a corrosive environment.

-
-




"R

Fig. 8 Coupling Failed in Corrosion Fatigue Test

Main Rotor Shaft

The main rotor shaft or transmission output shaft is joined to the rotor hub with
a multiple stud and bushing connection. Due to the hingeless rotor system of the BO 105

and BK 117 the shaft is highly loaded in bending with the critical section in the con-
necting flange.

The damage tolerance method uvsed is that of slow crack growth, performed by ?
highly pure steel (BShler Stern NMH) with a fracture toughness of Kyc ~ 4500 Nmm~3/2,

Tests to show the damage tolerance behaviour have been carried out with ballistically
impacted and artificially notched specimens (see Figs. 9, 10, 11).

Fig. 9 Main Rotor Shaft Fatigue Testing Set-Up

Fig. 10 Ballistically Impacted Main Rotor Shaft Fig. 1!  Artificially Damaged Main Rotor Shaft

-y e

Spectrum tests revealed a very low crack propagation rate, After more than 9 million
cycles with elevated loads the crack of the artificially notched specimen had propagated
as shown in Fig. 12, but the full loads could still be reacted.
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Fig. 12 Crack in an Artificially Notched Rotoxr
Shaft

Main Rotor Blade

The main rotor blade, Fig. 13, is of glass fibre composite (GFC) with a PVC foam
core, There is a titanium erosion protection strip on the acrofoil section and a lead
balance weight. The root end of the blade is potted into a titanium attachment fitting.

Fig. 13 BO 105 Main Rotor Blade

The spar, made of unidirectional GFC, reacts centrifugal load and bending. The

skin, made of glass fabric with a fibre orientation of & 45°, reacts torsion and chord-
wise bending.

As a single fibre failure does not influence the surrounding fibres, composites
nay be regarded as highly redundant systems., Cracks normally propagate parallel to the
fibres. If there are layers with different fibre orientation, cracks will not propagate

from one layer to the other. Thus composites show good crack-arrest capability and very
low crack propagation rates.

Damage tolerant behaviour of the main rotor blade was demonstrated on artificially
notched blade skin areas (Fig. 14) and ballistically impacted blade sections (Fig. 15).

Fig. 14 Artificially Notched Blade Skin Fig. 15 Ballistically Impacted Blade Root End
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The blade skin area was loaded to * 0.4% strain and showed, up to about 60 million
cycles, only a minor enlargement of the delamination, seen in Fig.14,and did not change
furtaer with more than 100 million cycles.

The ballistically impacted blade root end was loaded by simulated flight loads
for more than 7 million cycles without any damage propagation [7]. Fig. 16 shows the
cross-section of this damaged part.

[

"o

@

Fig. 16 Cross-Section of Ballistically Impacted
Blade Root

Another blade was ballistically impacted in the dexofoil section near the leading
edge (Fig. 17). Subsequent bending fatigue testing with 2 million cycles at an alterna-
ting surface strain of * 0.06% showed no damage propagation.

Fig. 17 Ballistically Impacted Aerofoil Section Fig. 18 Cross-Setion of Ballistically Impacted
Aerofoil Section

4. CONCLUSION

Although a conventional safe life design approach is normally considered suffi-
ciently safe and reliable, the damage tolerant approach is already widely used. Additioa-
ally, damage tolerant solutions are continuously sought for MBB helicopters. Most of the

vital components may already be safely operated "on condition”, i.e. without definite
replacement times,

The following damage tolerant parts are used in the BO 105 family:
+ Fail safe design

main rotor blade assembly

connection between hub and rotor shaft
attachment of cailboom to fuselage

airframe

tail rotor drive shaft coupling (Thomas type)

b B s
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* Slow crack growth design

- main rotor hub
- inner sleeve

- upper control assembly
- tail rotor control
- tail rotor shaft

= engine mount system

The traditional safe life concept or a conbination of safe life and slow crack

used where the attalnment of damage tolerance is impractical or where additio-

nal conservatism was required for want of experience. The following parts are certified

for the

[1]

(2]

3]

[4]

(5]
[6]
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BO 105 with replacement times less than 10000 flight hours:

- main rotor shaft
- main gearbox support struts

- main rotor blade retention system
- tail rotor blade assembly

- tail rotor blade retention system

- tail rotor inner sleeve
-~ drive shafts (Bendiz type)
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JUSTIFICATION EN FATIGUE DE PIECES EN MATERIAU
COMPOSITE BENEFICIANT DU CONCEPT “FAIL SAFE”

par

G.Stiévenard
Acrospatiale
Division Hélicoptéres
B.P.13, 13722 Marignane
France

0. PREAMBULE

L'hélicoptére, pur sa conception, présente de nombreuses sources d'excitation vibratoire et de ce
fait un nombre trds important de pidces travaillant en fatigue. Le souel permenent du constructeur est
de réuliser des pidces répondant & des critdres de séeurité trés sévéres tout en couservant un caractére
compétitif du point de vue masse et prix de revient. Un réglenent de fatigue &tabli conjointement entre
1a SNIAS et les Hervices Officiels Frangais impose que la probabilité individuelle de rupture en fatigue
d'une pigce d'h8licoptére ne dépasse par 10-% pour 1a durée de vie affichée.

Le développement durant ces quinze dernidres ennées, de metérisux composites permetd 1'Aérospatiale
de concevoir de nouvesux rotors satisfaisant au mieux le compromis précedemment gvoqué.

Ces matérisux présentent un bon comportement en fatigue associé & un caractére fail~safe évident
(afbut de ddlaminage facile A déceler et vitesse de propagation lente).

Ces propriétés ont permis de Taire &voluer les méthodes de justification sans pour autant augmen-
ter le risque de rupture en vol.

Si nous appelons par R1 la probebilité d'avoir une crique sur une pidce de vol et par R2 celle de
voir cette crigue se propager entre deux visites périodigues, le risque global de rupture est e produit
R1 x R2 et c'ast ce produit qui ne doit pas dépasser 10-°.

Le bat du présent axpcsé est d'expliquer la méthode utilisée par la SNIAS afin de calculer ces
deux risques R1 et R2 .

Cette méthode est basée sur une étude compldte des caractéristiques de fatigue et des vitesses de
propagation de criques dans le matériau utilisé.

1. CALCUL DU RISQUE RY {risque d'avoir une crique en utilisation)

Le prenmic.: stede de 1'£tude consiste & dbterminer 1'équation de la courbe S/H du matériau servant &
fabriquer la pidce d'hélicoptire. Ces &quations sont en général de la forme (fig : 1)

s &

Effort.
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M cgacyc’&s N

A partir d'essais sw éprouvettes effectués en assez grand nombre, il est possible de caleuler
pour un metériau les coefficients A et a qui lui sont propres. La méthode utilisée est une régression
lindaire sur log N en fonction de lot S (fig 2)
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La deuxiéme hypothése de calcul consiste & admettre qu'il existe des courbes S/N affines de lacour—

be moyenne de méme &quation au A prés que nous admettons suivre une loi de probabilité logarithmo-
normale.

Ces courbes sont donc des courbes & isoprobabilité de crique (fig : 3)
ts |

Effort
dgnamqu.

° A (10%cls) Megac_yclur N

Cette hypothdse qui peut paraitre arbitraire & priori est assez bien vérifife par l'expérience et
les tests statistiques.

L'expérimentation que nous venons de dfcrire serait trop onfreuse si elle &tait réalisée en totali-
té supidces appareils, aussi 1l'équation de la courbe §/N st elle déterminfe sur éprouvettes et considé-
rée ccmme reconductible pour les pidces que nous n'essayons qu'en quelques exemplaires (6 pts mini) fig:h

ts §
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Formulation dea calculs
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(2)  |1rog Alm = I log A, ° Megacycles N
n + nombre de points d'essai
(3) loaga, = |1og Al - Ko écart type

Z_risque considéré ﬁimite de fatigue \-Coefficient loi normale (5)
poyenne & 10° cycles
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kr = marge correspondant au risque r dans la loi normale simple.
kq = marge correspondant au risque q dans la loi normsle simple.

q = coefficient de confiance.

Connaissant les 6 résultats d'essai, il nous est donc possible de calculer Am et les Ar correspons
dant & différents risques r.

L'utilisation de 1'hélicopt2reest connue, soit par enregistrement des paramdtres de vol durant plu-
sieurs centaines d'heures, soit par informations émanant des utilisateurs. Nous disposons donc d'un
spectre donnant pour chaque configuration de vol le pourcentage de temps lui correspondant. Pour chacune
de ces configurations nous enregistrons & l'aide de jauges extensométriques les efforts de vol.

Ces efforts associés & leur pourcentage servent & calculer la durée de vie en appliquent la régle
de MINER (voir fig 6).

Ce type de calcul est conduit pour différents risques, ce qui nous donne la courbe de la figure 7.

Tableau 1 figure 6
% Effort Limite Nombre Nb d' de vol.
de fabique| deegeles 1y S Ty %
CONFIGURATIONS Pourcenta d L Y] admicaiole * L par Fle
ONFIGURATY d":a;fl':s;h%: ¢ vo v risque ¥ |y o (A) % [C bk Rt o Nbh
1. Stationnaire P + R Ay N, Nbh, P1/Nbhy
2. Vi transition P2 TF, " N, Nbh,, pt/Nb}u
o-t Polier Pi.z tF “ Ni-a Nbh, , Pe.a [Nbhi2
ey Approche pi-2 T Fi- “ No-t Nbh -4 pL-l/ka.;_.q
" AH:m-ssagc pe X FL u Ny Nbh. pa'./th.[,
Z pafNbhl
duree de vie : 10_0
Zpi/Nbhi.
Figure 7
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2. CAICUL DU RISQUE R2
(Risque d'avoir une rupture catastrophique entre deux contrdles périodiques).

Les essais réalis€s sur piéces afin de calculer le risque Ri sont stoppés d8s 1'apparition du
premier signe de détérioration pour €tre repris aux charges de vol & l'aide d'un bloc programme respec-
tant :

- le pourcentage d'utilisation de chaque configuration.
- l'ordre chronologique de ces configurations (afin de reproduire d'éventuels effets retard de la
propagation dus aux changements de niveaux de contraintes)

(Voir spectre de charges tebleau II fig : 8)

Tableau Il
Spectre de charges programmées

Bat Batt t Trainée Trainée Nombre

Statlq Dy iq Statique Dynamique de cycles

— 235 0
Stationnaite 84 = 79 1455 = 118 320
Départ en translation 24 = 168 100 = 170 175
Croisiere vitesse mini, 83.5 = 695 29 = 75 224
Virage 105 = 1495 172 = 4105 64
Croisi¢re vitesse économique 835 % 28 6o = 138 465
Virage 105 = 1495 172 = 4105 84
Croisitre vitesse économique 83.5 = 28 100 = 138 465
Virage 105 = 1495 172 = 4105 64
Crolsiere vitesse max, 83.5 = 315 258 = 168 384
Virage 105 = 1495 172 = 4105 64
Croisidre vitesse max. 90 = 348 258 *= 168 384
VNE 74 = 49 201 = 1735 61
Virage VNE 96 = 35 158 = 176 4
Crolsiéro vitesse max. 90 = 315 258 = 168 384
Crolsidro vitesse économlique 83,5 = 28 100 = 138 465
Virage 105 = 1495 72 = 4105 64
Croisidre vitesse minl, 83.5 = 695 100 = 138 224
Virage 105 = 1495 172 *= 4105 64
Ralentissement 84 = 168 100 = 170 176
Autototation 61 = 109 277 = 140 64
Stationnalre 84 = 79 145, = 118 320
Approche flan 74 = 126 132,5 = 2015 320
Arrét rotor — 235 0 0 0

Ces essais sont poursuivis jusqu'ad rupture avec mesure et enregistrement des longueurs de crique
et de la rigidité des pidces.

Si nous appelons par tif le temps mis pour passer du temps ti correspondant & l'apparition de la
prenidre dégradation bénigne au temps ty correspondant & la rupture catastrophique, il est possible
d'ajuster une loi de probabilité & cette variable alatoire tiy trouvée en essai.

I1 semble 3 priori que ce soit la loi logarithmo-normale la mieux adaptée au phénoméne.

Counaissant la loi de probabilité, la valeur moyenne tigpy et L'écart type, il est possible de cal-
culer un temps de vol admissible en fonction du risque (voir fig : 9)
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La courbe ainsi tracée correspond su risque de rupture en considérant que la premidre dégradation
déceladble survient aussitdt aprés le débui du veol. Il convient donc maintenant d'évaluer la courbe du
risque R2 en admettant que cette premiére dégradation survienne 3 un instant quelconque du vol.

Soit x heures de vol entre deux inspections

Deux possibilités se présentent

() Il n'y a pas appariticn de détérioration eatre deux contrdles considérés (ce cas ne nous intéresse
pas, puisqu'il reporté eu cas b), au cours des contrdles suivants :

{b) Il y a apparition de détérioration entre deux contrBles. Seul ce cas nous intéresse ; donc nous
poserons que la probabilité d'apparition de détérioration est égale & 1.

Soit ¢y l'instant oll apparait la premiére dégradation décelable (t compté & partir de zéro dernier
contrdle) ;

Soit tp le temps de propagation, qui entraine une détérioration catastrophique de la pidce.
Il convient de remarquer que ti et tp sont deux variables aléatoires indépendantes.

Probabilité {x <1 <x+dx } = dx
X

d'aprés la courbe précédente
Probebilité {tg <X - x} =R (X-x)
d'oll P = dx . R (X - x)
X
X
P(x) =1 . / R(X=x).dx=Ry
0

C'est la valeur moyenne de 0 & X de la fonction R, explicitée précédemment (voir fig : 10).

Bt
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que lo 1¥¢ degradation. survienns av

v\s Probabilite de rupture, e admeliant
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Probabilite de rupture en odmeltank
\ )c‘uc la l"‘dcemdouoﬂ, survienne o

un instont qw.‘cpnqoc dv vel
R2

~
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3. CALCUL DU RISQUE R (ou risque d'avoir une rupture en vol)

Comme nous 1'avons déjd mentionné ce risque s'obtient en faisant le produit Ri.R2 dont nous venons
d'expliquer la méthode de calcul.

R1 et R2 se présentent donc sous forme de deux courbes. Le constructeur & donc plusieurs choix
possibles, soit afficher une durée de vie Eélevée assortie d'inspections périodiques fréquentes de la pigce,
soit au contraire wne durée de vie faible avec inspections trds espacées.

Mieux encore, ces courbes permettent de moduler les périodicités d'inspection en fonction du temps
de vol de la piéce.

DUREE PERIODICITE a1 | R R
DE VIE | D'INSPECTIONS TOTAL

Fig. 11 1000 h 100 h 10—+ | t0-2| 10-¢
2000 h 50 b 10-3{ 10-3 | 10-¢
5000 h 10 h 10-2 | 10| 10-¢

-
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COMBAT DAMAGE ASSESSMENT
by
Clarence H. Carper, Jr.
Chief, Safety and Survivability Technical Area
Applied Technology Laboratory
US Army Research and Technology Laboratories (AVRADCOM)
Fort Eustis, Virginia 23604

ABSTRACT

The effectiveness of the helicopter as an item of combat equipment for the United
States Army has steadily and sharply increased since its baptism in Korea, where it
helped to Significantly reduce the fatality rate of the wounded by performing the medical
evacuation mission. In Vietnam the helicopter s inherent and diverse capabilities were
further exploited to include tactical missions such as scout, attack, troop insertion/
withdrawal, resupply and command, control, and communication. The succass of the heli-
copter in Vietnam was fundamental in helping to shape tactical doctrine for military
aviation throughout the world. Today, the helicopter is a vital and integral part of the
stable of equipment required by the modern US Army to satisfactorily fulfill its combat 2and
combat support missions. As such, the helicopter must possess many capabilities and fea-
tures, not the least of which is an inherent toughness that will allow it to take ballis-
tic hits, complete the assigned mission, and then return its occupants for a safe landing
in a friendly area.

This paper focuses on ballistic damage, with primary attention given to the airframe
structure, and on ballistic vulnerability reduction issues for US Army helicopters. A
synopsis is provided of the air defense threat systems and nature of combat damage
received by Army helicopters in South Vietnam versus the threat and nature of ballistic
damage anticipated in today's environment. New materials, structural concepts, and other
vulnerability reduction measures presently being employed on Army helicopters and promis-
ing concepts currently under development are addressed. The paper is concluded with an
overview of the combat threats anticipated for the helicopter in the near future,

INTRODUCTION

Since Korea, the combat helicopter has faced an ever-increasing hostile air defense
system considering the quantity of weapons, their increased caliber and lethality, and
their improved capability for detecting, acquiring, tracking and placing accurate fire on

the helicopter. It is highly improbable that the helicopter will ever again face the
limited air defense threat or enjoy the relative air superiority that was encountered in
vietnam. Relative safety from ballistic damage in Soutg Vietnam could be obtained by one
of two basic tactics: high-speed terrain flying, or cruise at 914 meters or more above
ground level. In this relatively unsophisticated threat environment, however, thousands
of helicopters were lost over an 8 to 10 year period, with approximately half of the
losses being attributed to ballistic damage.

In today's more sophisticated threat environment the helicopter that exposes itself
for more than a few seconds in a combat encounter will most likely receive ballistic
damage. As such, the helicopter must be mads to be more difficult to be detected and
tracked by enemy threat acqu*sition systems, and it must be made to be more damage tolerant.
Figure 1 shows how the helicopter's combat survivability probability varies as a function
of the threat sysiem when considering protective measures provided by tactics, signature
reduction and electronic countermeasures (ECM), and ballistic hardening. 1In general, the
Vietnam era would be represented by the left-hand half of the figure while the right-hand
half is more representative of today's battlefield environment. As would be expected,
overalil probability of survival decreases as weapon size and sophistication increase.

Tactics

Operational tactics will play a vital part in whether or not the helicopter survives
on the modern battlefield. US Army pilots, in particular those who fly the scout and
attack helicopter missions, are receiving intensive training in nap-of-the-earth (NOE)
flight. NOF f£light is low and slow and provides stealth by masking the helicopter behind
available terrain and vegetation. While this tactic enhances combat survivability by
degrading the effectiveness of the threat detection/acquisition systems, it unfortunately
reduces other survivability aspects by reducing margins of safety for the helicopter.

For oxample, NOE operation eliminates the safety margin that is normally associated with
altitude wnen malfunctions occur with the propulsion system. This gives rise to increased
emphasis on the crash survivable aspects of the helicopter, to include the primary
structure, FPurther, NOE operation is resviting in an increased number of both natural

and man-made obstacle strikes for the helicopter. The most frequently occurring problem
involves tree gtrikes with the main and tail rotor blades. This results mostly in addi-
tional maintenance and downtime, although the helicopter occasionally suffers catastrophic
damage with fatalities. The more serious obstacle strike problem relative to helicopter
loss and crew/passenger fatality results from wire strikes. Approximately one of every
six US Army aviators killed in helicopter crashes over the past 10 years of peacetime
operation has been the result of wire strikes. The overall obstacle strike problem is
expected to worsen when complicated by performing NOE operations while in combat in
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unfamiliar terrain. Further work is BEE TACTICS
required in developing helicopter wire 94 PROTECTIVE SIGNATURE REDUCTION
strike avoidance/protection systems and i MEASURES &ECM
in improving the obstacle strike tolexr- 8 BALUSTIC PROTECTION
ance of the helicopter structure and
other components in general. ar
64
Signature Reduction >
—
All weapon systems use one or more §5 #
of the helicopter's signatures, or ob- > |
servables, for detection, acquisition, Z 44
and fire control. These include the 2
acoustical, visual, infrared, and radar 34,
signatures. The external noise gener- g

ated by the helicopter is very distinc- 243
tive and easily recognized, and, depend-
ing on conditions, can extend several e
kilometers from the helicopter. The ;

primary noise sources are the main and 0 éMALL s T XA WEAPOP]S Y YRICG
directional control rotors. Significant & MISSILES
work has gone into reducing the noise THREAT

generated by the rotors. but it still

remains a problem in current technology Figure 1. Protective Measures Versus Ground
helicopters. The exposure time, and Fired AA Threats.

thus the probability of ballistic damage ]

to the helicopter, can be reduced if the aural detection range can be reduced to less than
the maximum range of the principal threat weapons, which is on the order of 1000 to 4000
meters.

Reduction of the visual signature of the helicopter is highly important considering
the quantity of threat weapons which utilize it for fire control purposes. Primary of-
fenders are sun glint off the canopy, rotor sun reflections resulting in rotor flicker and
helicopter/background contrast. Very little can be done to reduce the visual detection
cues of the helicopter within a range of approximately 1.5 kilometers. Beyond that range,
however, detection can be reduced through such measures as shaping, applying coatings and
glint reduction fairings/covers, and using open structural concepts. In addition to aural
and visual detection considerations, the infrared (IR) and radar signatures of the heli-
copter are key elements to the success of several enemy weapon systems of today in acquir-
ing and placing accurate fire on the helicopter. It is imperative that these two signa-
tures be reduced to the maximum extent practical if the helicopter is to survive and carry
out its combat mission. The helicopter is a complex IR radiator having emissions from a ‘
number of sources from within and on its outer surfaces. These are generated by heated '
surfaces (hot metal radiation), engine exhaust gasses (plume radiation), and solar re- '
flections. Of this multitude of IR sources, the viewable hot engine parts and engine
exhaust plume are the major concerns in countering IR seeker weapons. Although some

success has been achieved in reducing IR signatures, additional work is required to reduce
thie weight and cost of the suppressor devices.

NOE flight in conjunction with a low radar cross section (RCS) of the helicopter will
perhaps be the most effective and practical method of degrading the threat weapons that
use radar reflectivity as the means of detection and tracking. The radar cross section,
or echo area, is primarily a function of surface material, externsl shape, physical size
of the helicopter and characteristics of the illuminating radar system. Although no low
RCS helicopter per se is in production today, concepts have been applied to some heli-~
copters to reduce their reflectivity through the selective use of absorbing materials and
shie..ding. Ever-increasing research is being conducted, however, to define radar detect-
ability and to investigate methods and concepts for RCS reduction. Potentially significant
reductions in helicopter RCS are possible through fuselage shaping and the incorporation
of radar absorbing/scattering materials. If low RCS is to be effectively incorporated, it
must be considered in the initial design phases of a new helicopter system since the fuse-
lage shape/skin material characteristics will most likely be a significant departure from
those generally known today. The rapidly expanding use of advanced composite materials
(nonmetals) for primary structure will provide the structural designers and manufacturing
engineers with considerably more flexibility in developing and producing a low RCS heli- !
copter fuselage. :

Ballistic Protection

The Army helicopter in combat today would be faced with a wide variety of ballistic
threat weapons, ranging from the infantryman's rifle through relatively large caliber
artillery and missile systems. Further, a serious air-to-air threat would be posed by
the presence of armed enemy attack helicopters. Regardless of how good a job is done
considering the operational tactics used and the passive (discussed above) and active
detection/suppression countermeasures concepts employed, the helicopter will continue to
receive hits and suffer ballistic damage in significant proportions. Therefore, the Army,
who is still the primary developer of the helicopter, must continue to identify and
specify the ballistic threat requirements, It then becomes incumbent on the designer to
continue to strive to minimize the effects of the ballistic projectiles by incorporating
specialized vulnerability reduction (VR) concepts, damage tolerant materials, and struc-
tural configurations and techniques to reduce the severity of damage and battle damage
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repair times and complexities. Further, it is impecative that this be achieved at accept-
able cost and weight facto.s, especially when retrofitting or product improving existing
helicopter systems is a ccasideration.

The remainder of this paper addresses the different ballistic threats to the helicop-
ter, defines typical ballistically caused damage, and highlights some of the approaches
being used and under investigation for reducing the ballistic vulnerability of the heli-
copter. Focus is placed as much as possible on the helicopter structure, to help provide
the structural engineer/designer with a better understanding of the type, nature, and
severity of problems he faces in dealing with the damage producing potential of the vari-
ous ballistic threat projectiles.

SOUTH VIETNAM (RVN) EXPERIENCE

Although the helicopter faced a variety of threat weapons in South Vietnam, ballistic
damage was primarily caused by the 7.62mm and 12.7mm small aims bullet fired from automatic
and semiautomatic weapons. These two small caliber weapons are not generally classified
as air defense weapons, yet the 7.62mm threat was responsible for approximately 85% of all
ballistic damage suffered by US helicopters in RVN. General characteristics of the 7.62mm
and 12,.7mm projectiles are shown in Table 1. Table 2 lists the other threat systems and
devices that also caused damage to the helicopters. In a general sense, the combat in RVN
for the helicopter fell in the low intensity category. An example of an exception to this,
however, is discussed later in this section of the paper. Some helicopters were lost to
single 7.62mm hits while others survived a virtual barrage of multiple hits, including
direct hits by rocket propelled grenades (RPG). In approximately 90% of the incidents the
crew knew the helicopter had been hit, and approximately 60% of the time they saw the
enemy firing the weapon that caused the ballistic damage.

TABLE 1. PRIMARY THREAT PROJECTILES--RVN TABLE 2. ADDITIONAL THREAT

PARAMETER SERVICE SYSTEMS/DEVICES—-RVN
PROJECTILE | PROJECTILE MUZZLE TACTICAL THREAT
LENGTH WEIGHT VELOCITY RANGE AR Weapons - 23mm, 37mm
7
THREAT () (GRAINS) (M/8) (METERS) Rocket Propelled Grenade - 80mm
Moxtar - 82mm
Rockets - 122mm
7.62mm 36.8 155 884 400 Artillery - 152mm
SAM - SA-7
Land Mines - (Landing Zones)
12, Tmm 64.5 745 854 1000 Booby Traps - (Landing Zones)
Satchel Charges - (Sappexr Action)

Some brief summary statistics are presented for the OH-6 observation/scout helicopter
to help provide a better understanding of the nature and severity of the low intensity com-

bat generally experienced in RVN.
weight of approximately 1225 kg.

The OH-6 is a relatively small helicopter having a gross
It was introduced tc Vvietnam in 1967, Between 1967 and

1971 an average of 436 armed and unarmed QH~6 helicopters operated in RVN. They flew a
total of 2.5 million sorties in 1.1 million flight hours, averaging 2.0 flight hours per
day. During this period they experienced 3,174 incidents involving enemy ground fire, with

532 helicopters being lost,

Table 3 breaks out the threat for 499 (approximately 94%) of

these losses. As is evident,

TABLE 3. OH-6 BALLISTIC DATA (1967-1971) the 7.62mm and 12.7mm threat
accounts for 80% of the total
7.62mm 12.7mm HE OTHER UNK TOTALS losses (71% and 9% respective-
Incident 2535 156 126 6 115 2938 ly). Although not broken out,
. the total incidents include
Hits 6781 314 234 16 157 7502 forced landings and mission
Losses 354 46 38 2 59 499 aborts as adverse reactions,

? and continue to fly reactions
Incident/Losses 7.2 3.4 3.3 X X 5.9 in zddition to the losses
Hits/Incidents 2.7 2.0 1.9 X X 2.6 shown. Table 4 shows the per-

centages relative to the di-

rection from which the ballis-

tic hit was received and the general location of the hit on the helicopter. Over half of
all the incidents for the CH-6 involved only a single hit, and over three~fourths involved

no more than four hits per incident.

loss approximately every 15 hits.

It was rare to have 10 or more hits for a single
incident. The average number of hits per incident was approximately 2.5 and the average
number of incidents per helicopter lost was approximately 6, which results in a helicopter

Also, over three-fourths of the incidents occurred at

altitudes of less than 30.5 meters AGL (10.7 meters median) and less than 75 knots air-
speed (50 knots median).

These latter points should be explored a little further since a part of the overall
vulnerability/survivability of the helicopter is mission dependent. For a helicopter like
the OH-6, over 90% of its mission involved combat surveillance and reconnaissance opera=-
tions, i.e., scouting/in-route low-level flying and some target attacking for the armed
versions. In general terms, this means relatively low and slow flight in a combat area
by a helicopter with defensive fire power ranging from very little to none. glthough tie
above hit percentages for the OH-6 are considered to be generally representative for RVN,
they would vary somewhat, depending on the helicopter type and its mission. For example,
the armed AH-1 helicopter in the attack role would have a smalle: percentage of hits from

o
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the front quadrant and a greater per-
centage in the aft fuselage/tail sec-
tions since the enemy would be less
willing to commit to a frontal assault.

Duriny one 60-day period in the
early 70's, the Army was involved in an
intensive airmobile operation in an
area that had been long established and
well developed by the enemy, an area
The combat
damage sustained by the Army helicopters

that was heavily defended.

TABLE 4. DIRECTION AND LOCATION OF HIT--OH-6

HIT DIRECTION--%

HIT LOCATION--%

Left Quadrant
Rear Quadrant

Front Quadrant
Right Quadrant

29 Cockpit 31
28 | cabin 24
26 | Engine/Equipment 18
_17 | Main Rotor 14
100 | Tail Section X

(Incl Tail Rotor)

100

during this period is considered to be representative of a mid-intensity conflict and is
summarized here solely for comparative purposes relative to the low intensity data dis-
cussed above. During this 60-day period the U.S. experienced 644 damage incidents to 451
differer,. helicopters and lost 90 helicopters to enemy fire, including 2 Marine CH-53's.
Table 5 summarizes the 88 Army helicopter losses versus the different threat systems for
this period. In this mid-intensity environment the hit per loss ratio for the OH-6 was
nearly 6 (over 7 for all 88 helicopters) as compared to a ratio of 15 for the OH-6 in RVN
in general. This attests to the increased effectiveness of the larger caliber weapons

against the helicopter.

The helicopters that
were introduced early into
RVN had very little inher-
ent ballistic hardness/
protection. As the combat
intensity increased and as
additional types of heli-
copters were employed,
some protection was pro-
vided. For the most part,
however, the ballistic
hardness was parasitic in
nature and was limited to
partially protecting the
crew and selected compo-
nents and subsystems.

This was accomplished by
providing personnel body
armor and by adding armor
plates to shield such
critical components as
flight control tubes and

TABLE 5. MID-INTENSITY LOSSES--RVN

ARMY NUMBER OF HELICOPTERS LOST TOTAL
HELICOPTERS 7.62mm | 12.7mm | RPG | HE | 4ORTAR |OTHER ||LOST
OH-6 1 3 1 }1 6
22 Damaged
34 Hits

AH-1 7 6 3 2 18
101 bpamaged
152 Hits

UH~-1 20 19 3 |2 10 7 61
285 Damaged
410 Hits

CH-47 2 1 3
30 Damaged
33 Hits

TOTAL LOST 30 28 4 3 14 9 88

actuators, engine compressor and fuel control, and transmission pump and oil cooler.

Vulnerability analyses of all US Army helicopters have identified the major vulner-
ability contributors for various types/sizes of ballistic threats. The 10 major contribu-
tors to the vulnerable area (Ay) of current helicopters versus the 7.62mm and 12.7mm

threats are ranked in
Table 6, which shows both
attrition and forced land-
ing kills. A, is defined
as helicopter presented
area (Ap) times the prob-
ability of kill (Pg) given
that a hit has occurred.
Also, attrition kill is
generally defined as one
wherein the helicopter
falls out of manned con-
trol immediately after
being ballistically dam-
aged. As can be seen, the
main rotor flight control
components account for the
top 4 and for 6 of the
total 10 contributors for
the attrition kill Ay of
the helicopter. This re-
sults from the Ay being
approximately equal to the
Ap since the Py is very
high given a hit. For the
OH-6 helicopter, the 10

TABLE 6. MAJOR CONTRIBUTORS TO VULNERABLE AREA
(7.62MM AND 12.7MM API)

ATTRITION KILL RANK FORCED LANDING KILL

Main Rotor Flight Control 1 Main Transmission - Lube
fod Ends

Main Rotor Flight Control 2  Tail Rotor Drive Shaft
Rods

Main Rotor Flight Control 3 Engine Lube
Actuators

Main Rotor Flight Control 4 Engine Combustion Chamber
Swashplate

Fuel Cells - Fuel Fire S Tail Rotor Flight Control

Rods

Main Rotor Flight Control 6 Tail Rotor Flight Control
Pitch Horn Rod Ends

Engine - Fuel Fire 7 Fuel Lines - Leak

Main Rotor Flight Control 8 0il Cooler/Bypass Valve
Bellcranks

Main Transmission - Gears 9 Engine Compressor
and Bearings

Main Rotor Drive - Mast 10 Tail Rotor Control Rod Ends

contributors listed for attrition kill represent approximately 70% of the total helicopter
Ay for the 7.62mm projectile and 60% of the total Ay for the 12.7mm projectile. Consider-
ing the 10 forced landing contributors, the percentages are approximately 90 and 60

respectively.

It should be noted that even for these relatively small caliber threats, the fuel
system ranks second behind the flight control system in helicoptecs attrition kill as
2ssociated with in-flight fuel fires caused by incendiary type projectiles,

. J
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Also, it should be noted that the tail rotor system shows up only in the forced land-
ing kill column. This results from the approach taken in assessing the kill wherein the
helicopter was credited with sufficient altitude and forward speed to permit it to execute
a safe autorotative landing following loss of directional control. In considering today's
requirement for NOE operation, the tail rotor system would also show up as a contributor
in the attrition kill column as the helicopter would most likely not have sufficient alti-
tude or forward speed to recover oxr effect an autorotative landing if directional control
were lost while in NOE flight. This is representative of the "flexibilities" associated
with performing vulnerability analyses, since many assumptions, estimations (especially
Px's), etc., must he made in accomplishing an analysis.

Finally, the trends shown in this section of the paper are considered to be generally
applicable for all of the US Army helicopters that were in combat in RVN. As such, it
should be noted that the airframe structure was not a significant contributor to the
ballistic vulnerability of the helicopter when considering the primary threats faced
(7.62mm and 12.7mmj. This would probably have changed had the U.S. remained longer in
vietnam, since the quantity and size of the enemy antiaircraft (AA) weapons and the
quantity of the surface~to-air missiles (SAM) were on the increase.

TODAY'S SCENARIO
The objectives of Army aviation are:

. To augment the Army's capability to conduct prompt and sustained land combat.

. To provide the ground commander with mobility, fire power, and staying power
to win the first battle.

. To help the ground feorces win while outnumbered.

Nonnuclear combat today woulqd f£ind US forces greatly outnumbered in terms of infantry,
tanks, and artillery. The seriousness of the situation would be further compounded by the
presence of fast, heavily armed enemy attack helicopters on the battlefield. Under such
adverse combat conditions, the Army helicopter must play a significant part if the United
States is to win. 1In today's combat, the helicopter will face an awesome array of air
defense threat systems relative to what was encountered in Vietnam. A partial listing of
the key threat systems is presentaed in Table 7. The threat would also include the mass
deployed 7.62mm and 12,.7mm wa2apons
TABLE 7. KXEY THREAT SYSTEMS~~TODAY'S ENVIRONMENT as well as a variety of other mis-
siles, mortars, rockets, and artil-

THREAT SI1ZE RANGE GUIDANCE lery. As such, the helicopter must
T how marked increases in mobility
ZSU-23-4 23mm 2500-3000 m | Optical and Radar s ! : -
M53/59 30mm 3500-4000 m | Optical and Radar | 274 fire power over its RN counter
S-60 57mm 6000 m Optical and Radar ;f)arg, an t;ttm“?um?'ses? inheren
SA-6,7,8,9 | 1-60 kg | 1-20 km TR and Radar eatures that will glve it sus-
Warhead tainability for extended periods

of combat, Combat sustainability
of the helicopter is considered extremely vital and will be a function of issues such as
tactics, operational environment, threat system characteristics, and inherent helicopter
features, including the ability to accomplish rapid repair of combat damage to prevent the
helicopter from effectively being attrited by maintenance backlog. The key to this paper,
however, is the sustainability that must be obtained through inherent ballistic toughness
of the helicopter.

The relatively small caliber high explosive (HE) and high explosive incendiary-tracer
(HEI-T) projectiles (23-30-57mm) are of particular importance to the helicopter designer
considering both their damage mechanism and the fact that they are pushing the limits as

far as being able to "harden" the air-
aﬁQSEM frame and subsystems to withstand their
(Regoon) destructiveness. Survival of the heli-

FUEL copter against threats beyond these will
largely depend on countermeasures to
SRUCTURE avoid being hit. The major contributors
to the total Ay for the typical current
inventory Army helicopter against these
CREW three HEI-T threats are presented in
‘ Figure 2. The 30mm HEI-T would fit some-
"YSNADE“ where between the twa bars shown. The
HUB, MAST estimates were made for the current hcli-
MR CRVE 2 copter fleet, excluding the UH-60 BLACK

HAWK which is now in production and the

T/RDRIVE, [ ] (3 - 23MM HELT YAH-64 attack helicopter which is ap-
BLADES, HUB > proaching a production decision. Even
= 57MM HELT though ‘ sese two heliopters were designed
ENGINE for i~ roved ballistic tolerance (12,7mm),
the _elative percentages shown would
1 L L L 1 L3  probably not change significantly if they
0 4 8 1 ¥ 20 2 2 yere included in the estimates. Average
PERCENT OF TOTAL Av Ay values are shown. Also,aabsolute .
Figure 2. Subsystem Contribution to HE Vul- values of Ay are very dependent on heli-

nerable Area (Percent) (Average of copter gross weight (size) as component
Current Fleet Helicopters).

criticality (Pkx) generally increases
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rapidly as sizes get smaller considering the HE projectlles. As can be seen in the
figure, the helicopter structure (primarily tail boom) is the major contributor to the
total Ay, followed closely by the fuel system, main rotor systém, and crew. With excep-
tion of the crew, each of these will be addressed in more detail later in this section.

Explosive Projectile Characteristics

Considerable work has been accomplished toward defining AA explosive projectile
characteristics and kill mechanisms and developing methods for reducing the helicopter's
vulnerability to these explosive threats. Typical of these threats would be the 23mm
HEI-T projectile. The pri-

mary threat weapon utilﬁz— TABLE 8. 23MM HEI-T PROJECTILE CHARACTERISTICS

ing the 23mm round is the

Soviet 2SU-23-4 quad- PARBMETER SERVICE

barreled automatic LA sys- PROJECTILE PROJECTILE | MUZZLE TACTICAL
tem, which is capable of PHREAT LENGTH WEIGHT VELOCITY RANGE
firing approximately 60 (MM) (GRAINS) (M/S) (METERS)
rounds per second. Summary

characteristics of the pro-~ 23mm HEI-T 109 2986 976 2500
jectile portion of the round

are provided in Table 8.

The HE projectiles normally have a delay contact fuse that is armed by centrifugal
force and is activated when the nose of the projectile strikes the target. They then
travel for a finite time within the target before exploding. Some of the earlier projec-
tiles used a super quick fuse which caused explosion immediately upon contact of the
projectile with the outer surface of the target, but they are not generally considered to
be the primary threat to helicopters and only the delay fused projectile will be dis-
cussed further. The delay fuse HE projectile produces damage from any or all of the
following mechanisms:

Penetration of the target by the intact projectile (i.e., before detonation
occurs).

. Fragment damage to the target produced when the projectile detonates.

. Blast loading of the target from the overpressure produced in the detonation
process.

Initiation of fires from (1) heat produced by detonation, (2) fragments striking
certain materials, and (3) the incendiary mix contained in the explosive pellets.

The nature of the damage experienced by the helicopter is dependent on the projectile
velocity, the depth of penetration before explosion, the mediun in which the explosion
takes place, and the nature of the target failure mode. For the structure, for example,
the blast pressure and fragments are the most lethal mechanisms, whereas the blast pres-
sure and incendiary are the most lethal for the fuel cell,

Figure 3 depicts the general sequence of events that occur during the detonation of
a high explosive projectile. Figure 4 and Table 9 show typical fragment spray zones and
characteristics for the projectiles. Objects within 1 to 3 case diameters distance would
be subject to the blast wave followed immediately by fragment impact. Beyond 3 to 6 case
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diameters, damage would first occur by
fragment impact followed closely by the

FRAGMENTS. overpressure and the other products of
detonation. This later mechanism ii the
v redominate one when considering vulner-

NO. WT GRAIN | VELOCITY M/S gbility of the helicopter strucgure.
Z0NE FRAGMENTS AVG MAX AVG MAX
— Representative pressure levels associ-

1 5 9 40 732 976 ated with the HE detonation in the air

2 175 7 100 884 1189 medium are shown in Figure 5. This is
3 600 3 30 {1006 1098 a combination of peak pressure associated
with the blast shock front (approximately

1 millisecond duration) and the static
pressure generated by the overall detonation energy release. The peak pressiare is of such
short duration that the structure may not have time to respond to it. The greater hazard
to the structure may come from the longer duration static overpressure, especially in
areas where the structure has been weakened by the fragments in advance of the overpressure.

One aspect of fuel cell vulnerability is the explosion of the HEI-T projectile with-
in the combustible vaporous mixture above the liquid fuel level in the tank. Figure 6
presents typical blast/combustion response pressures for this situation as determined
through testing. Worst case peak pressures measured were in the neighborhood of 4.6 x 103
kilopascals (KPa) for 5 to 10 milliseconds (msec) duration. This is addressed in more
detail later in the paper.
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Figure 6. Typical Combustion Response-~4% Volume Propane Medium.

Fuselage Vulnerability

With the exception of the tail boom of a single main rotor helicopter, the airframe
structure has relatively low vulnerability to the explosive projectile. This holds
true even for the conventional metal skin, stringer,frame, semi-monocoque structure of the
helicopters which were used in RVN and which did not have ballistic hardening as a part
of their basic design requirements., The cabin/cargo section of the helicopter is usually
fairly large in volume, is structurally redundant in nature, and is designed primarily
against stiffness requirements. As such, when the projectile penetrates the skin and
detonates, assuming it does not function in or near a highly vulnerable component or sub-
system, the damage caused to the structural members although serious in nature is not
usually catastrophic to the helicopter. The damage could possibly result in changes in
the helicopter system's dynamic response characteristics, but the residual (after damage)
strength of the airframe will probably be adequate for continued flight, especially if
the in-flight loads are reduced, i.e., the pilot throttles back and conducts slow speed,
level cruise flight.

The tail boom, on the other hand, is a highly vulnerable area of the fuselage to the
explosive projectile. In today's conventional helicopter (i.e., main rotor/tail rotor
concept) the tail boom is in essence an inclosed mewal structure of semi-monocoque desxgn.
Detonation of an HEI-T projectile within this structure, as represented in Figure 7, in-
duces several potentially catastrophic events, including: massive removal of structure
caused by the heavier fragments in the inner (1 and 2) cones; penetration of the suructure
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by the hundreds of smaller fragments in the
outer (3) cone; and excessive "breathing" of
the structure in response to the high blast
overpressure. Also present is the incen-
diary fire, but without a medium to sus-
tain the fire it does not pose a signifi-
cant hazard in the tail boom. Figure 8
shows the exit hole in a typical medium
sized helicopter tail boom that had been
impacted in test with a delay fuse explo-
sive projectile. Less evident than this SHOTUNE
large ballistic hole, but perhaps equally
as catastrophic vo the helicopter, is the
damage related to the breathing of the
structure, Additional massive failure
(tearing) of the tail boom structure can
occur when subjected to the overpressure/
breathing in the weakened area along the
line of holes caused by the fragments in
the larger spray cone. Further, the
magnitade of the breathing can be such as
to cause excessive misalignment of the tail
rotor drive shaft resulting in failure of

the shaft, coupling or hanger bearing and Figure 7. Typical HE Projectile Detonation
subsequent loss of helicopter directional within a Tail Boom.
control.

The tail boom, however, is
an area of the fuselage struc-~
ture where much is being done
to improve the overall surviv-
ability of the helicopter
against this type of explosive
ballistic damage. To a limited
extent this also includes the
conventional metal bocms
through the application of
relatively inexpensive "quick
fix" hardcning concepts. These
include the selective addition
of straps and plates longi-
tudinally along the boom and
circumferential straps at the
frames to serve as doublers
for added strength and to act
as crack stoppers; the addition
of high strength rivets between
existing skin attachment rivets
for increased strength; and the
irstallation of reticulated
foam within the boom to help
suppress the blast cverpres-
sures, thus reducing the blast
loading on the structure.
Although these concepts have - .
demonstrated some success in R —
reducing the vulnerability of % \Q\
the tail boom to the explosive . ’
projectile, they are considered
ornly temporary measures which Figure 8. ®xit Side of a HE Damaged Tail Boom.
do not properly address the
fundamental issues of the problem. To satisfactorily do this will require the development
and application of more efficient materials to achieve the necessary toughness and struc-
tural redundancy at acceptable weights, and the development and application of advanced
structural concepts to help minimize the effects of the blast pressu.es.

In this light, the utilization of fibrous composite materials offers the greatest
opportunity to resolve the tail boom ballistic vulnerability problem, as well as generally
revolutionalize the overall helicopter design process. (omposite materials such as fiber-
glass, Kevlar, and graphite are presently being widely used for helicopter rotor blades
and airframe secondary structure and axe being developed and tested for mechanical flight
controls, rotor hubs, airframe primary structure and landing gears. The unique properties
inherent to the composite materials are generally well known and will not be addressed i
this paper. However, the potential payoffs for ausing them in the helicopter include:

. Greater structural efficiency through the higher specific gtrength and stiffness
of the material systems.

. Greater design flexibility through the ability o easily dynamically tailor the
structure and utilize complex shapes.

. Improved safety through inherent slow crack propagation and greater ballistic
tolerance,
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. Lower acquisition cost through the use of more automated fabrication processes/
techniques, fewer mechanical fasteners, and less material scrappage.

. Lower ownarship cost through longer fatigue life, inherent damage tolerance, and
easier field repair.

The helicopter industry is only on the threshold of exploiting the full potential of the
applicaticn of these composite materials.

Several programs have been conducted within the US 2Army R&D community relative to
composite booms. One program recently completed involved the laboratory test and £light
demonstration of a composite replacement tail boom on the AH-1G Cobra helicopter. The
composite boom was a monocoque sandwich structure having graphite inner and outer skins
with a Nomex honeycomb core and a wall thickness of approximately 1.5 cm. The boom was
fabricated by the wet filament winding process with a one-~step cure cycle. Primary de-
sign cbjectives for the boom were reduced manufacturing costs and reduced weight. Both
goals were generally met although the weight was not optimized as the composite boom was
fabricated resin rich. Being designed primarily for stifiness, the composite boom demon-
strated (through accelerated testing) a fatigue life in excess of seven times greater than
its metal counterpart. Although ballistic tolerance was 2ot a design consideration for
this composite boom, the residual flight test boom was subjected to two 23mm explosive
projectiles, the first impacting the large diameter end and the second the small diameter
end. Being a closed structure, the detonation overpressure literally "ripped" the boom
open along the line of holes created by the spray of fragments, regulting in catastrophic
damage of the small diameter end. Figure 9 shows the L.allistically damaged composite
boom.

Concurrent with this program
was an investigation of the ballis-
tic tolerance of a variety of simu-
lated tail boom sections manufac-
tured from different composite
materials and using varioug struc-
tural configurations, including
shell structure, sandwich structurc
with various honeycond cores, and
sandwich structure with a sinewave
core. Although the composite ma=
terials demonstrated improved dam-
age toughness, the fate of these
closed structure specimens was
generally the same as that experi-
enced Ly the AH-1G composite tail
boom. It was evident from these
tests that the high pressures from
the explosive projectile detonating
within the relatively small intecsnal
volumes of the tail boom muct be
neutralized through some type of
venting process, as designing the
structure to contain the blast
forces would result in unacceptable
weight penalties.

This led to the investigation
of composite tail boom specimens
using an open weave, or “spacewound"
structural concept. The spacewound
structure allows rapid venting of
. o s : e bla ressure as well as pro-
Figure 9, Ba}ilstlcally Damaged AH~1 Composite 52des rzgugdant lgad patts. Fggure

Tail Boom. 10 describes the spacewound princi-
ple. In all, 16 composite specimens were fabricated against operational tail boom speci-
fications and structurally and ballistically tested. The specimens included a variety of
composite materials, fiber coverage ratios (FCR), helix angles, diameters and lengchs;
some were skinned (nonstructural skin) and some unskinned. The fiberglass and Kevlar
specimens with 50% FCR showed lowest damage coefficients to the 23mm HEI-T projectile.
Peak internal pressures measured were in the neighborhood of only 300 KPa. The test
sequence for one of the final Kevlar specimens is outlined to show the severity of the
testing and the success obtained against this explosive projectile.

Preballistic Structural Test:

. Cantilever mounted with vertical shear load of 952 kg (limit load) at free end.
Repeated after 180° rotation.

. Static torsional moment applied twice in each direction to 13,556 n-m (limit
load) in 2,259 n-m increments.

. Fatigue cycled at + 6,778 n-m (50% limit torque) for 15,000 cycles.

. Static torsion test repeated.
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Ballistic Test: Wa
FR =
. Ballistically tested with a 23mm Vg + Vg
HEX-T projectile while statically
loaded to represent 125 knots
£light load condition.

S = HELIX ANGLE

R /—— HOOP WRAP

Post Ballistic Test:

. Cantilever mounted and loaded to
635 kg (66% of limit) in 159 kg
increments.

. Static torsional test to 6,778 n-m
{50% of limit) in each direction.

. Fatigue cycled at 1,130 + 3,389 n-m
for 5,000 cycles (3simulated maneu-
ver load at 150 knots).

. Static torsion test repeated.
Second Ballistic Test: .

. Impacted with a second 23mm HEXI~T
projectile (within 20.3 cm of first
impact point) while under 125 knots
static flight loads,

Pogt Second Ballistic Test:

. Static torsion test to + 6,778 n-m
each direction.

. Fatigue cycled at 1,130 + 3,389
n-m for 1,500 cycles.

Figure 10. Spacewound Structural Concept.

. Static torsion test to + 6,778 n-m each direction.

The above specimen was still capable of carrying load although the maximum tip deflection
measured had nearly doubled over that of the undamaged specimen. Figure 11 shows the spec-
imen on the test fixture following the second ballistic impact. Note that the skin has
mostly been blown away. The spacewound structural concept has proven to be effective in
providing ballistic survivability to the helicopter tail boom against the explosive pro-

jectile.
SR T,
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Other “open" com-
posite structural con-
cepts are being ir-
restigated to dev..op
a lighter weight,
lower cost, more bal-
listically tolerant
tail boom. 1Two of the
more promising ones
include the truss and
tetracore structural
concepts. Both of the
concepts use the wet
filament winding,
single-step cure fab-
rication processes.

In the truss program
a variety of config-
urations were analyzed
concerning primarily
the number of longe-
rons used (four
through eight) and
the capability of the
diagonals co take
ggzgsgggsiggégogr Figure 11, Kevlar 50% FCR Specimen After Second Ballistic
tension loads only. Impact.

The six longercn, tension/compression diagonals graphite concept was determined optimum
for meeting the design requirements at minimum weight., The ballistic survivability
requirements called for the loss of a1 compression side lo.geron joint and one opposite
side diagonal member. Three specimens were fabricated which represented a relatively
small sized helicopter, i.e., a .368 meter diameter boom, and were ballistically tested
agasnst the 23mm explosive projectile. The specimens werse unskinned and had approxi-
mately 50% open area., Figure 12 shows one of the test specimens. The target impact
point for all three specimens was the frame,/longeron/diagonal member joint. Two of the
specimens were statically loaded to loads representative of high-spea2d level flight coa-~
ditions, ballistically impacted, and continued to carry the flight loads for 30 minutes
after impac.< with negligible measured deflections. The third specimen was statically
loaded to 150% of high-~speed level flight load conditions and failed upon impact. Damage
on the exit side of this specimen was far more extensive than anticipated. 1In general,

X
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the composite truss struc-
tural concept demonstrates
a vary high potential for
improving the ballistic
survivability of the tail
boom, @s the projectile
blast pressures are vented
and do not play a part in
the damage mechanism.
Also, if the truss tail
boom is left unskinned,
the probability is intro-
duced that the threat pro-
jectile will pass through
the boom without being
activated, or that it will
strike a member on the
exit side and detonate
outside of the boom.

Figure 12. Truss Tail Boom in Ballistic Test Fixture.

Tetracore is still another variation of a highly efficient open structure concept that
can be readily fabricated from composites. 1In principle, it is a series of alternately in-
verted tetrahedron shaped cells continuously joined together. Work is in progress to more
completely define the structural properties of tetracore, and to fabricate a demonstrator
tail boom out of tetracore for an existing medium-sized helicopter. Structural and bal-
listic testing of the boom are planned. A trial winding of the tetracore tail boom is
shown in Figure 13.
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Figure 13. Tetracore Tail Boom Specimen.
Fuel System Vulnerability

Testing and analysis has shown that the fuel tank is the single most vulnerable heli-
copter component to the 23mm HEI-T projectile, For HEI-T projectiles larger than 23mm the
helicopter structure becomes most vulnerable but only by a small margin over the fuel sys-
tem (refer to Figure 2). The schematic shown in Figure 14 indicates the impact points for
the threat projectile that are of primary concern for precipitating different types of
catastrophic failures of the fuel tank and causing related in-flight fuel fires. The com=
bined kinetic energy and blast overpressure associated with a projectile impacting the
outer wall and detonating within the liquid fuel can cause hydraulic ram pressures high
enough to rupture the fuel tank. This can result in massise fuel loss and possible fire
if the leaking fuel contacts a secondary ignition source. Damage can also occur to the
structure adjacent to the tank due to the rapid expansion in tank volume. Hydraulic ram
pressures in the neighborhood of 2.07 x 104 KPa have been measured in tests against the
23mm HEI-T projectile. The detonation of an HEI-T projectile within the ullage area above
the liquid fuel level in the tank can generate combustion overpressures of sufficient
magnitude to also rupture the tank, In this case the spilling fuel would most likely be
ignited by the incendiary products in the projectile. Finally, detonation of an HEI-T
projectile outside of and adjacent to the tank wall, and below the liquid fuel level,
either in the dry bay areas or near the outer skin, will most likely result in fragment/
blast damage to the tank wall with the spilling fuel being ignited by the incendiary
products,

Significant research work has been accomplished over the past few years toward reduc-
ing ballistically caused in-fiight fuel fires through the investigation of concepts and
methods of reducing the vulnerability of the fuel system to the explosive/incendiary pro-
jectile. Considering hydraulic ram, the high ductility of current self-sealing, crashworthy
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helicopter fuel tanks offers a degree of LARGE DRY BAY
protection against the ram effects. Addi-
tional protection can be readily obtained
by the designer through such measures as
inclosing the fuel cell within a rigid
structure and providing smooth, elastic
surfaces for the cell to react against and
and to spread out the load. Other specif-
ic add-<on protective measurxes have been
investigated and found to be effective in
helping to defeat hydraulic ram, includ-
ing installing reticulated flexible foam
inside the tank to slow down the shock
front and absorb pressure; providing
elastic energy absorbing buffers to pre-
vent failure/permanent deformation of the
adjacent structure; and providing shield-
ing material, e.g., ballistic nylon or
Kevlar, to slow the projectile down before
impacting the fuel cell as the hydraulic
ram pressure is proportional to the square
of the velocity of the projectile.

ULLAGE

OUTER WALL/SKIN SMALL DRY BAY

Figure 14. Fuel Tank Damage Producing

In considering the remaining areas Impact Points.
of concern identified ahove for the fuel
system, several highly promising vulnerability reduction approaches/concepts are evolving,
i.e., lightweight foams, powder-filled panels, ullage inerting systems, and active detec-
tion/suppression systems. Rigid foams are presently used selectively around the fuel
cells of both the UH-60 BLACK HAWK and YAH-64 attack helicopters, and flexible foams are
being evaluated for use inside the YAH-64 tank. In considering the foams used internal
to the tank to reduce hydraulic ram and ullage fire dangers, Pigure 15 shows the effective-
ness in reducing peak combustion overpressures of several newer foam concepts under in-
vestigation as compared to reticulated polyurethane foam. Testing was conducted in a
rigid test tank of 1.13 cubic meters volume using "worst case" propane/air combustible
mixtures and the 23mm HEI-T projectile as the initiator. The weight of the foam in the
tank is shown on top of the bar, Explosafe is a metal void filler material made by
slitting, expanding, and stacking thin aluminum sheets. Its primary advantage over non-
metallic foams is the ability to tolerate high ambient temperatures (over 150° C) that
are present, for example, in high performance fighter or transport applications. Promel
is made from sheathed nylon fibers that have been woven into a mesh-type structure and
heated to create a miniature weld at each fiber contact point. Its primary advantage is
low weight. Figure 6 shows that all of the internal foams appreciably reduce peak com-
bustion overpressures when compared to the unprotected tank. This protection comes, ho.-
ever, with increased weight to the helicopter and in the case of internal foams some fuel
denial made up of displaced fuel and absorbei/retained fuel.
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Figure 15. Comparison of Various Void Filler Materials in Reducing Peak
Combustion Overpressure.
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The powder panel concept is one wherein the fire extinguishing agen: is contained
integral to the panel (within the honeycomb) and is released by the kinetic energy,
detonation, and/or fragments of the projectile. The concept is applicable for use as
separate add-on panels or as an integral part of an existing structural panel/skin (i.e.,
primary structure) of the helicopter and is proving to be highly effective in preventing
fires when used against the explosive projectiles in the outer wall/skin and small dry
bay areas. Numerous ballistic tests have investigated both metallic and nonmetallic panel
specimens, various panel thicknesses, and various types and quantities of extinguishing
agents. Work is also in progress toward obtaining long-term environmental/operational
effects on the powder panels, extinguishing agent corrosion hazards, and details concern-
ing manufacturing processes and test and inspection procedures. Powder densities as low
as 14.4 Pascals within the honeycomb panel have proven successful in preventing ballistic

related fuel fires. Figure 16 shows a typical nonmetallic specimen following HE ballistic
impact.

For ullage explosion to occur
in the fuel tank, a flammable fuel/
air vapor must be present and there
must be an ignition source. Given
a hit by an explosive incendiary
projectile into a combustible mix-
ture in the ullage area, the sever=-
ity of the ullage explosion is de-
pendent on the ullage volume and
the specific fuel/air vapor ratio
present, The severity of the ex-
plosion related damage is then de~
pendent on the fuel cell strength,
the proximity of the cell to criti-
cal structure, and whether or not
the tank is ruptured. If the tank
is ruptured and fuel spillage occurs,
the probability of related cata-
strophic in-flight fuel-fed fire
approaches unity, Considering the
effects caused by the blast and com-
bustion overpressure of ullage ex-
plosion, much of the discussion con-
cerning hydraulic ram pressure gen~
erally applies, 1In addition to
using internal foams, the concept
of inerting the combustible vapors
in the ullage is highly effective
in preventing explosions and fire.
Testing has shown that if the oxygen
level in the ullage is kept below
10¢ by volume, combustion cannot
occur. One of the leading approgches
: Saped for accomplishing this is throug

Figure 16. ggiéisgégilégegixgged kevlar Powder inerting the ullage with nitrogen

' gasses. Nitrogen can be readily

generated onboard the helicopter by taking engine bleed air and passing it through an air
separator module (i.e., molecular sieve or permeable membrane) which dumps the oxygen en-
riched air overboard and passes the oxygen depleted (nitrogen enriched) air through the
fuel tank ullage area. Such a nitrogen inerting system would weigh approximately 6 kg
for a helicopter similar to the AH-1 Cobra. The danger of having an ullage explosion,
however, may be significantly reduced if JP-8 fuel replaces JP-4 fuel, as anticipated in
the next few years, due sclely to the lower volatility of JP-8.

Active detection/suppression systems are also proving successful in providing protec-
tion against ballistically caused fuel system fires primarily in the large dry bay areas
adjacent to the tanks. Two concepts initially developed in the U.K. are being tested in
the U.S. for potential application in Army helicopters. One concept uses transducers
located within the tank to sense pressure change resulting from ballistic impact and
activates appropriate high rate Halon 1301 extinguishers. A second concept uses optical
detectors which respond to U.V. radiation during incendiary or HE projectile impact on
the fuel tank and provides a signal to discharge extinguishers which contain a powdered
agent. Ballistic testing of this latter concept in an actual helicopter dry bay wherein
fuel was leaking from the wound in the cell demonstrated that fire suppression is com-~
pleted within 200 msec after detonation of the projectile utilizing an extinguishant con-
centration of approximately 150 gm/m3. No attempt was made to establish the lower limit
of concentration. Such a system would weight approximately 4.5 kg for a helicopter similar
to the aH-1 Cobra.

Effort is presently underway by the army to accomplish detail design and development
of a fuel fire protection system to reduce the vulnerability of its helicopters to the
explosive/incendiary projectile. The system will employ select pieces of the individual
concepts discussed above, i.e., powder-filled panels/structure, U,V. active detection/
suppression and nitrogen inerting. The system will be designed for subsequent demonstra-
tion on the AH-1 Cobra; however, the major components of the system will be generic so as
to be applicable to all Army helicopters.
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Rotor System Vulnerability

In discussing rotor system vulnerability, focus will be placed on the primary com-
ponents of the main rotor, i.e., blades, hub, and control rods/linkages. The rxotor sys-
tem is a much more complex structure than the fuselage, being subjected to a considerably
wider variety of conditions within which it must operate. Combat damage to a rotor blade,
for example, can easily prove catastrophic to the helicopter due to the effects on the
in-flight dynamic response of the total helicopter system even though the blade has suf-
ficient residual strength to carry flight loads after the damage. As such, the design
of a ballistic tolerant rotor system must involve a "total systems" approach even beyond
that necessary for the fuselage.

The rotor system was not a major contributor to the overall helicopter Ay against
the small arms (7.62mm and 12.7ma) threat encountered in RVN, even though the Px for the
main rotor controls was extremely nigh when impacted with a projectile. In fact, the
main rotor blades on the Army helicopters in RVN were capable of receiving multiple small
caliber hits without catastrophic effects even though ballistic tolerance was not specif-
ically a part of their design. Considering today's threat, however, the main and tail
rotor systems combined comprise a significant portion of the total of Ay of the helicopter
against the 23-57mm high explosive projectiles, including both attrition and forced land-
ing kills.

within the rotor system the main rotor blade has by far received the greatest atten-
tion to date. Numerous reports and papers have addressed the many R&D efforts directed
toward improving the blade's ballistic qualities while also improving other design and
performance features. It is well eatablished that the prevention of the separation of a
part of the rotor blade at a spanwise station is furidamental to the ballistic survivabil-
ity of the blade/helicopter system. The loss of individual pieces of the blade such as
box sections, especially from inboard stations, may not necessarily be catastrophic, but
the separation of virtually any spanwise section c¢f the blade generally will be, Such
spanwise losses usually result in large unbalanced forces which in turn cause high vibra-
tions and/or asymmetrical lift, either or both of which usually result in an uncontrolla-
ble helicopter. Further, the rotor blade must be able to withstand major structural dam-
age in high strain locations and still have sufficient stiffness and fatigue life to per-
mit the helicopter to make a safe landing. Key parametwrs then in the design of a bal-
listically survivable rotor blade are the spar chord length, structural configuration,
and materials used. In general terms, it is imperative to spread the structure out and
provide redundant load paths and to use materials that pnssess low notch sensitivity and ‘
high fracture toughness characteristics. Numerous programs over the past few years have
investigated various advanced structural concepts and materials toward the development of
rotor blade designs that are tolerant to the high explosive projectiles. A consistent
result from these programs is that rotor blades constructed from composite materials show
significant improvement in HE ballistic survivability over equivalent sized metal blades.

Rotor blade ballistic survivability has received increased emphasis within the US
Army as evidenced by the capabilities of the blades shown in Table 10. In assessing the

TABLE10. HELICOPTER MAIN ROTOR BLADE BALLISTIC SURVIVABILITY COMPARISON

BLADE RELATIVE 230 REI
HO.  CHORD BLADE VULNERABILITY
HELUCOPTER  BLADES (M) CONSTRUCTION (ATIR*EL KXLS)
UR-60A 4 578 TIANIUN D, SPAR, 2.0
HOMEX HONEYCOMB CORE,
FIBERGLASS SKIN @"""IHIII TITm
GRAPHTE TRAILING EOGE
YARSOAAR 4 533 MULTI-TUBULAR STAINLESS 100
STEEL/ FIBERGLASS SPAR, :
NOMEX HOHEYCOMB CORE, — T
FIBERGLASS SKIN (@] mini=]ii
STAINLESS STEEL TRAILING EDGE :
CHATD 6  .813  FIBERGLASS . SPAR/ 9.5 '
Ti HOSE CAP, ’ !
HOMEX HONEYCOMB CORE, @|ﬂ||ﬂ||||||"""“"""""" .
IBERGLASS SKIX
GRAPHITE TRAILING EDGE
A1 2 762 HULTLTUBULAR 80
HIBERGLASS SPAR, :
HOMEX HONEYCOMB CORE, @"""HH"|||l|||llmm....,
FIBERGLASS SKIN ‘
KEVLAR TRAILING EDGE ‘
UH-IH 2 533 ALUMINUM D. SPAR/ 6.5 : , i
o i S
TRAILIHG EDGE —
i
OH-58C 2 330 ALURIRUM D. SPAR/ 55 !
HONEYCOMB CORE/SKIN/ e | s :
TRAILING EDGE 1
i
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relative vulnerability numbers shown, 10 is considered best, i.e., least vulnerable.
Although the BLACK HAWK and attack helicopters' rotor blades were designed against the
small API threat, they both have proven through testing to be tolerant to the small

high explosive projectile. Typical of such testing would be that shown in Table 11 for the

_ AAH blade where a 1.83 meter specimen was
TABLE 11. YAH-64 MAIN ROTOR BLADE SECTION TEST ballistically impacted and subsequently

tested. No discernible crack growth was
. BALLISTIC TEST observed during the first 76 minutes
. . : (21,900 cycles) of representative flight
gf ﬁfgg;::lle Impact in Spar loads. The specimen continued to carry
the test loads after approximately 5 hours
. 19,000 kg Tensile Load (Combined Loads of testing although the damage had grown
in Hover due to CF and Flap, Chord and significantly. The objective of the test
Torsion Moments) was to demonstrate the capability of
flight for 30 minutes (8,670 cycles)
- EATIGUE TEST subsequent to the ballistic damage.
5.1 Hours Total (89,350 cycles) This objective was appreciably ex-
9,615 kg CF ceeded. Although the BLACK HAWK main
v rotor klade utilizes a welded titanium
. *+ 678 n-m Flap Moment "p" spar concept, it has also proven
. 2,180 + 428 n-m Chord Moment tolerant to the small high explosive
- projectile. Basic design philosophy
. 112 n-m Torsion Moment for this spar includes additional

- material to safely operate at very
high stress allowables, and a wider spar planform, i.e., almost 50% of the chord length,

Although significant progress has been made in reducing the vulnerability of the
rotor blades, continued work is necessary, particularly relative to improving the surviv-
ability of the small chord blades to the HE projectile.

The main rotor hub, although not generally designed for ballistic tolerance, proved
to be relatively invulnerable against the small arms (7.62mm and 12.7mm) threat in RVN.
It is believed that this results from the hub being one of the most compact, strongest
components on the helicopter. Although very little testing has been accomplished to verify
it, these existing hubs would probably also demonstrate relatively low vulnerability to the
high explosive projectiles. The more modern BLACK HAWK helicopter hub, which is titanium,
was designed against the small API threat, but has shown through testing to be tol-
erant to t'.e small HE projectiles as well. The hub area is again one wherein com-
posite materials offer a good opportunity to improve ballistic survivability while at the
same time obtaining sig-
nificant reduction in hub
weight and cost. In pur-
suing this opportunity, the
Army conducted a research
program wherein a graphite
hub was investigated as a
replacement component for
the existing titanium hub
on the CH-54 Heavy Lift
Helicopter. A one-half
scale model graphite hub
was fabricated and struc-
turally tested which dem-
onstrated, among other
desirable features, the
capability for a 25%
weight savings and a 75%
cost savings over the
existing metal hub., Al-
though not experimentally
verified, analysis showed
the composite hub to be
highly tolerant to the HE
threat. Figure 17 shows
the three-plate composite
hub concept investigated.

St ] .*-‘M . , .
Figure 17. Composite Plate Hub, Assembly.

As mentioned earlier in the paper the flight controls on RVN era helicopters are
highly vulnerable to essentially all ballistic threats. Their vulnerable area is general-
ly the same as their presented area since the probability of kill approaches unity given
a hit on one of the control components. Fortunately their total presented area accounts
for only a small percentage of the overall helicopter presented area. Considerable etfort
has been expended in investigating, testing, and developing ballistic tolerant flight con-
trol components, once again waith the focus on composite materials application. Light-
weight, low cost, highly survivable designs for mechanical components such as connecting
links, bellcranks, idler arms, etc., are readily available for incorporation into exist-
ing helicopters., Due to size effects, however, the very low gross weight helicopters may
still require some parasitic armor to protect parts of their control systems. Typical
composite ballistic tolerant flight control components investigated are shown in Figure 18.
Flight control system survivability for future helicopter systems should be capable of
even further improvements with the continued development of the advanced fly-by-wire/
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fly-by-light concepts.
These advanced control
concepts will permit
the designer to more
efficiently accomplish
the wide separation of
components and system
redundancy which are
keys to ballistic sur-
vivability of the
f£light control system.

Higher Caliber AA Threat

For purposes of com-
parison, Table 12 pro-
vides the general char-
acteristics of the 30mm
HEI-T projectile versus
the 23mm HEI-T projectile.
As can be seen, the 30mm
projectile has ovex three Figure 18. Composite Ballistic Tolerant Flight Control
times the high explosive Components.
weight and over two times
the body weight of the 23mm.

The kill mechanisms would TABLE 12, 30MM VERSUS 23MM HEI-T CHARACTERISTICS
be generally the same for
both projectiles, ex-

cept for a larger

radius of damage for BODY HE TOTAL SERVICE
the 30mm. Analyses FUSE METAL FILLER PROJECTILE MUZZLE
indicate that the vul- WEIGHT WEIGHT WEIGHT WEIGHT VELOCITY
nerable area for a PROJECTILE |(GRAINS) | (GRAINS) | (GRAINS) | (GRAINS) | (M/S)

typical helicopter

would be between three
and four times greater 30mm 1185 4462 662 6431 765

for the 30mm versus 23mm 569 2123 215 2954 930
the 23mm, in the attri-

tion kill categoLy.

Notwithstanding this, ithe prognosis for reducing the vulnerability of the helicopter
against the more formidable 30mm HEI-T threat is very good. Testing is presently
ongoing to better define the explosive characteristics and damage producing potential of
the 30mm HEI-T projectile, and to evaluate means of reducing the vulnerability of the
helicopter agalast this threat.

FUTURE THREATS

Broad scaled combat in the near future would be very intense and would subject the
helicopter to additional threats beyond those already discussed in this paper, Foremost
among these additional threats would be laser and nuclear weapons and chemical and bio-
logical warfare. Reduction of the vulnerability of the helicopter to these threats is
presenting new and difficult challenges to the designer, especially since considerable
effort still remains in defining and understanding the enemy threats and in determining
their lethality and kill mechanism for the various helicopter systems.

The laser threat is generally broken out into two categories: 1low energy lasers
(LEL) and high energy lasers (HEL). The LEL's, such as those associated with target
detertioz, range finding and illumination, are considered a current battlefield threat
for the helicopter, primarily concerning the crew's eyes and the helicopter's sensors
and optics subsystems. They do not normally pose a threat to the helicopter structure.
Although probably still a few years away from becoming a viable tactical weapon on the
battlefield, the HEL's do possess sufficient energy to do catastrophic damage to the
helicopter structure and other subsystems which are exposed to the laser beam for only
a few seconds. The nature of the damage done to the structure is dependent both on
the fluence level on the target and the characteristics of the beam, e.g., high fluence
concentration on a small spot; high fluence knife-edge like cut by quickly moving the
beam in a line over the structure; or a low fluence, large spot beam which flood loads
the structure. Unless a critical component within the fuselage is damaged, the high
fluence burn through of a small hole in the helicopter structure may be no more serious
than a hole made by a ballistic projectile. Properly designed, the structure should be
capable of taking many such holes, especially if constructed of composite materials.
At the other end of the spectrum, however, catastrophic structural damage may easily
result from area heating highly stressed structure with relatively low fluence levels.
In th;s case, composites would be cause for added corcern in predicting the structural/
dynam’c response since they have lower temperature limits and lesser homogeneous char-
acteristics than do the metal. i

.
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A number of techniques and materials are being investigated and evaluated toward
reducing the vulnerability of the helicopter to the laser threats. For the LEL, protec-
tive films and coatings are being developed for the sensors and optics subsystems and eye
shields for the crew, all of which generally reflect the laser incident energy away.
Also, the soft structures of the helicopter, i.e., transparencies, are being investigated
toward providing mechanisms, preferably field replaceable, to absorb the incident energy,
probably turning opaque in the process but protecting the eyes of the personnel onboard.
Helicopter-mounted smoke/aerosol dispensing systems are proving effective in providing
protection against both the low and high energy lasers by attenuating the incident energy
through absorption and scattering within the cloud dispensed between the helicopter and
the laser threat system during a combat encounter. Protecting the helicopter per se
against the HEL direct attack will probably require a two-phased effort. The first and
easiest step will be to provide shields or barriers constructed of laser resistant ma-
terials to cover critical components, subsystems oxr structure. These barriers will per-
form in the same general context as the parasitic armor plates presently used on' heli-
copters to protect against ballistic projectiles except that they will use reflective,
absorption, or ablative mechanisms to defeat the incident laser energy. The second siep
will be to integrally harden the component or helicoptcy structure against the direct
laser threat. Although this is potentially a more efficient method of protecting the
helicopter against laser threat weapons, it is by far the greatest, chillenge to the de-
signer and will require a much greatex period of time for accomplishment.

The nuclear threat, considering both tactical and strategic weapons, has been preva-
lent for years but very little has been accomplished directly toward hardening the heli-
copter against this threat. 1In elementary terms, the primary by-products of a nuclear
explosion include the flash, thermal radiation, nuclear radiation, blast overpressure,
and an electromagnetic pulse (EMP). The first three (flash, thermal, and nuclear radia-
tion) are considered a threat primarily to the crew, whereas the final two (overpressure
and EMP) are a more direct threat to the helicopter svstem per se, The EMP rxesulting
from a nuclear explosion, both near surface and excatmospheric, or frcm a nonnuclear EMP
generating weapon poses a potentially serious threat to the electrxical and electronic sub-
systems of the helicopter. The threat becomes especially serious considering mission
completion for the modern helicopter since it possesses considerably larger quantities of
sophisticated communication, navigation, and weapons fire control equipment over the heli-
copters of the 60's, This is an area where much work remains concerning defining the
EMP threat and the countermeasures required for each specific helicopter system.

The greatest amount of damage to the helicopter in a potentially survivable nuclear
encounter will probably result from the blast overpressure associated with a near surface
explosion. Several simulated explosion tests have been conducted over the past few years
wherein the helicopter wes included as a specimen to assess its vulnerability to the
nuclear blast threat. 1In one of these tests a UH-1E helicopter was in hover flight when
the simulated nuclear explosion occurred, being flown remotely by a ground-located pilot.
The blast simulated a weapon of approximately ) kiloton in size, and the helicopter was
hovered approximately 792 metexs from ground zero so as to be subjected to a 12.41 KPa
overpressure shock. The intent was to cause sevére, but not catastrophic, damage to the
helicopter. The helicopter had onboard instrumentation for obtaining data on main and
tail rotor blade flap bending, vehicle rigid body motion, fin and tail boom lateral bhend-
ing, and blast induced strain in the tail boom structure. Although there were some in-
consistencies in the data obtained and poor correlation with predictions for somc param-
eters, the test of the helicopter was highly successful. The ground-based pilot con-
tinued to fly the helicopter during and following passage of the overpressure shock wave,
which lasted approximately 340 msec, and subsequently brought it to a successful landing.
Referring to Figure 19, highest main rotor flap bending moment occurred at an inboard
station on the blade, having a peak value of approximately 4,858 n-m. The spike peaked
approximately at 120 msec and was approximately 20 msec duration. Average peak-to-peak

value at this location prior to the

wrinkling of the skin panels, some local
yielding of stringers and loss of the
-5500+ soft, transparent structure,

11004 blast was 1,920 n-m. Referring to
2 Figure 20, the highest peak-to-peak
] - value recorded for tail boom lateral
Y bending moment was approximately 36,149
3 n-m, with the spike peaking at approximately
) -11001 95 msec and lasting approximately 150
E msec, Average peak~to-peak value re-~
7 -2200 corded prior to the blast was 6,213 n-n
= for the boom. Tail bonm lateral bending
& -3300- moment allowable in the UH-1B is 40,668
b3 n-m. The helicopter experienced, on the
Q side facing the blast, considerable
2 4400+
©
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-£600 R e e e T B e Airmobile operations under NOE
- flight conditions will make the heli-
400 40 80 120 160 200 240 280 320 360 copter particularly vulnerable to the
TIME, MSEC chemical and biological agents used at
low levels against ground troops. Of
these two, chemical warfare poses the
greatest immediate threat and, in fact,
must be looked upon as a "conventional"
weapon for the modern battlefield.

Figure 19. Main Rotor Blade Flapwise Bending
Moment (STA 35).
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Since the biological -agents use living 450001

organisms or toxic by-productsof living @

organisms, they are very difficult to W 36000

handle and do not normally produce im- g

mediate casualties. As such, they are Z 27060

not considered a major near-term threat. O

On the other hand, the chemical agents 3

are much easier to handle and to dis- g 18009+

pense and normally produce immediate o

results. Primary agents used for these Z 90001

gasses would include phosgene, chlorine, P

mustard, lewisite, hydrocyanic acid and g 0-

cyanogen chloride. Countermeasures for o

chemical and biological warfare will in- Z _gppg

volve the development of both personnel e

protection gevices and hardening con- 3 18000 ) \ L . L .
eli r, the latte : ' g ' N " ! )
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copter design to any great extent to TIME, MSEC

date. Hardening of the helicopter

against these threats will without ques-  pigure 20. Tail Boom Lateral Bending Moment
tion be extremely difficult to accomplish. (STA 112).

Two primary concerns exist: to prevent/

minimize infiltration of the agents into the cockpit/cabin areas and into the external
access compartments, both while the helicopter is parked and in-flight; and decontanina-
tion of the helicopter once contaminated. The decontamination concern alone can have
major impact on the design of the helicopter as the materials used in its construction
must be totally compatible with the decontaminating agents/processes utilized.

The above discussion on future threats is very superficial in nature. Each threat
addressed is within itself a subject for further intense analysis and reporting. It is
hoped, however, that the information provided properly scopes the immensity of the chal-
lenge faced by the designer in effecting countermeasures within the helicopter system to
reduce its vulnerability to these types of threats. It should also be evident that such
countermeasures must be considered early in the design phase and, for maximum effective-
ness, must be integral to the overall design of the helicopter as a total system.

SUMMARY

- The helicopter is a combat proven machine that has become an integral part of the
inventory of US Army equipment that is required to satisfactorily fulfill the combat
and combat support roles.

- The lethality and sophistication of today's threat has significantly increased over
that of the Vietnam era and the prognosis for near future threats is further cause for
concexn.

- Survival of the helicopter on the modern battlefield will depend on several key factors,

including: signature reduction and electronic countermeasures; tactics; and hardening
of the helicopter against the various threat systems.

- The helicopter will continue to be ballistically and otherwise damaged in combat. As
such, it must have combat sustainability. It must have the ability to continue to fly
at guaranteed flight load levels following damage from specific threats. The design
should be such that the combat induced failure of a single element or subelement should
not result in catastrophic failure, Further, the combat damage must be readily repair-
able, to the maximum extent possible at unit maintenance levels,

- Efficient and economic measures for improving helicopter combat survivability must
continue to be developed and applied. This will result in increased mission effective-
ness and the preservation of resources, to include men, material, and equipment.

- Design criteria and needs must be periodically adjusted as necessary to reflect the
changing threats.

- The structural designers must be kept abreast of these threats and understand their
various effects/kill mechanism for each specific helicopter/component.

- For maximum effectivenss the designer must consider survivability issues in the same
light as other design considerations, e.g., weight, load factors, and fatigue life,
during the initial design phases of the helicopter.

- It is considered imperative to the long term esprit de corps of the crew that they have
confidence that the equipment they fly has been specifically designed to better help
them survive in combat considering reduced vulnerability against hostile air defense
systems.

———— -
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Report on Session 11
NEW CONCEPTS/DAMAGE TOLERANCE
by

K.Brunsch
MBB GmbH/D-u V D-132
Postfach 80 11 40
8000 Munchen 80, FRG

In this Session three papers were given:
1. “Application of Damage Tolerance Concepts for MBB Helicopters” by M.v.Tapavicza and F.Och,

2. “Justification en Fatigue de Piéces en Matériau Composite Bénéficiant du Concept “Fail-Safe”
by G.Stiévenard.

3.  “Compact Damage Assessment’ by C.H.Carper.

The first paper gave a survey of the damage tolerance methodology used by MBB for the BO-105 and MBB’s share
of the BK-117. For introduction, fracture mechanics are described briefly and the well known Forman equation
da C.AK"
dN (I —R).K¢c—AK
components with slow crack growth” capability. Service life time and inspection intervals are calculated depending on
damage detectability, fatigue strength of the components and crack growth rate.

is presented. General reference is made to the determination of the service life of “safelife

Components, developed to damage tolerance are presented:
- Quadruple nut — a part of the main rotor centrifugal force retention system to link the tension-torsion straps

to the hub. The primary load path is solid steel; the secondary path is a wrap around of high strength steel wire.

Failure of the primary path results in a noticeable unbalance of the rotor. The service life is unlimited and
inspection is not required,

~ Tail rotor drive shaft coupling — laminated steel, 12 sheets. Salt atmosphere reduces fatigue life but results in
partial failure only - infinite life, 1200 hrs inspection.

— Main rotor shaft-to-hub joint = multiple stud and bushing. Damage tolerance due to material used ~ steel with
fracture toughness of K¢ = 4500 Nmm =372,

—~ Glass fibre composite main rotor blade — well known damage tolerance of composite material.

Mr Stiévenard’s paper very clearly described the determination of the service life of components with damage
tolerance, i.e. of composites. This methodology was successtully applied to the Starflex rotor hub.

At Aerospatiale the basis for the work presented is:

The joint Aerospatiale-French authorities request failure probability for any individual part below or equal to
10-¢ during service life, requiring: !

~ knowledge of material fatizue properties

- knowledge of representative load spectrum

~ knowledge of probability of onset of crack in component

~ knowledge of component crack propagation rate if the load spectrum is applied.

Having evaluated the probability of onset of crack and the probability of crack propagation to ultimate failure, it
15 very eastly possible to combine these two to an overall failure probability. By that, the service life can be deteriined
dependng on mspection intervals, as shown in the concluding table. Service life of a component ranges from 1000 hrs
at a 100 hr inspection interval to 5000 hrs at a 10 hr inspe “tion period.

Mr Carper’s paper starts with an impressive graph on com t field survivability of helicopters as it was in past
(Vietnam), is today and will be in future.
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Measures to improve survivability are indicated — reduction of visual, radar and IR-signature, reduction of noise,
ECM and tactics such as nap-of-the-earth flight but also it is stated that the helicopter will receive ballistic hits. The
need for specialized vulnerability reduction concepts is pinpointed.

Vietnam experiences are presented for low intensity and mid-intensity battle fields. From 1967 to 1971, OH-6
helicopters flew 1.1 mitlion flight hours, experienced 3,774 incidents and 532 losses by energy ground fire.

In a mid-intensity battle field, 90 helicopters of different sizes were lost within 60 days, most of them by 7.62 mm

fire. Information is given on major contributors to vulnerability with 6 components of the main rotor control system
among the 10 first ranking components.

Finally, some designs of tail rotor boom with reduced ballistic vulnerability were shown. All of them were
“advanced technology” framework design like, e.g. “isogrid” filament winding technology. The papers were very clear

and produced little discussion only. The need to adequately instruct users of composite primary structures on crazing,
delaminations and cracks was pointed out in discussion.
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AN BVALUATION OF FATIGUE PROCEDURES FOR UX MILITARY HELICOPTERS
by

R Cansdale

Airworthiness Division, Structures Department
Royal Aircraft Establishment
Farnborough, Hants GU14 6TD

England

SUMMARY

Current UK procedures for the fatigue substantiation of military helicopters are reviewed in the
light of practical experience of testing and of service usage.

The problems of demonstrating both 'safe lives" and "damage tolerance' are examined. Mention is
also made of the philosophy and problems of clearing composite components.

1 INTRODUCTION

The formal UK requirements concerning fatigue svrength of military helicopters are set out in MOD
Aviation Publication 970, Volume 3. However in maeny areas these are known to ve deficient and the recent
practice has been for more stringent clearance procedures to be stated in the Specification against which
new helicopters are procured. These procedures, applying tu the Westland Lynx, were very ably described
by Mr A D Hall in his paper given two years ago at the 47th meeting of this panel.

It is these procedures, rather than the word of AvP 970, which I have tried to evaluate in this
paper. Additionally I havo looked ut some of the problems associated with the use of composites. It is
perhaps worth noting that amendments to AvP 970 at present being debated may differ both from the old
AVP 970 requirements and from ihe procedures used for the ILynx, so that scme of tho yroblems discussed here
will have already been taken into account.

This paper expresses the views of the author and does not necessarily represent the official view of
the Royal Aircraft Establishment.

2 GENERAL

The firat question to answer in an evaluation of fatigue clearance procedures is how successful are
they in safeguarding the airworthiness of the fleet - how many helicopters are lost or damaged due to
fatigue failures?

Looking back over the last twenty years the British Services have had about two dozen major
helicopter accidents due to fatigue failures, in which the aircraft suffered Category 3 damage* or worsge.
Unfortunately from the point of view of this paper, none of these accidents occurred to aircraft which

were designed to current procedures. Novertheless, I believe that there are scme valuable lessons to be
learnt from them.

I do not propose to dwell on the cause of each accident, but it is instructive to see where the
failures occurred (Fig 1). There are two Category 3 accidents, three Category 4 and twenty Category 5;
However six of the Category 5s involved ditching and it is possible that the aircraft would have been
repairable had the failures happened over land.

It is clear from the table that it is very rare for an airframe failure to cause an accident.
Although one Category 5 is listed under the airframe heading this is only a tentative identification
because the aircraft was not recovered from the seas The rest of the accidents were due to failure of
parts which would normally be classified as '"vital" or "primary", It is tempting therefore to dismiss
airframe fatigue as being unimportant, but a review of accidents gives only one side of the picture.

In addition to the failures which cause accidents, there are many lesser failures whose cost is
more difficult to quantify. Even when failures do not occur there is a cost to the Services in terms of
loss of operational capability due to the time spent on inspection and repair. If it were possible to
allocate these costs to various components, the picture would be rather different to Table 1 and airframe
fatigue would play a more significant part.

In writing this review of our fatigue procedures I have found it convenient to consider the subject
in broadly two parts, the first concerned with vital parts, which are basically the dynamic components and
a few airframe parts, and the sccond with the rest of the airframe.

* Category 3: Damage which is repairable on site but beyond wnit technical resources.
Category 4: Damage which i3 not repzirable on site.
Category 5: Damaged beyond repair.
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3 VITAL PARTS

3.1 At the moment the parts of the helicopter which are classified as *vital', that is to say whcse
failure would immediately hazard the safety of the aircraft, are treated on a "safe-life! basis (the only
exception being some rotor blade spars protected by the BIM (Blade Inspection Method) systems). By safe-
life we mean a life during which the probability of failure is at an acceptably low level. To demonstrate
this we use factors on test which mean that failure of a component will occur only if its strength is about
three standard deviations below the mean value for the population. What probability of failwre this implies
depends on the distribution of strength which is assumed - about 1 in 1000 if it is normal or approaching
gero if it is a Weibull distribution, as seems more likely. Whatever the number, it appears to be a broadly
accepiable level,

In general it is not practicable to test large numbers of each component to establish the variability
of strength and since there is a large amount of data on metallic materials the factors are based on past
experience of variability. For newer materials such as composites we have yet to build up this bank of data
and the clearance procedures are more involved; I will return to this in Section 5.

For the low frequency loads such as those imposed by landings, rotor starts, etc, the factors are
applied on a life basis as is usually the case for fixed wing aixcraft. However for loads induced by the
rotor at high frequency it is necessary to factor the magnitude of the loads to give a margin of safety at
the flat end of the S-N curve.

3.2 Looking first at the Design Phase (Fig 2), the only real problim about the operational requirements
is that they always seem to change as the project progresses; this o course is inevitable in an inter—
active military scenario. All that can be done to guard against it s to design with something in hand

and try to preserve thia against the inevitable weight saving exercises. On the Ministry side we c2n try

to ensure that the requirements are reasonable and necegsary and not just specified as an automatic improve—
ment on the previous aircraft.

The fact that the airworthiness requirements of Avi 97C are due for revision has already been
acknowledged. One of their shortcomings was simply that the factors called for o cover variation in
fatigue strength were too small. Nevertheless we s.ill have helicopters giving satisfactory service which,
for example, have gearboxes designed with a stress factor of 1.1 rather than the 1.3 cwrrently used for 4
test specimens. This however should not be taken as justification for the 1.1 factor but more as a
demonstration of the perspicacity of the designer who made the gearbox capable of tolerating the odd gear
tooth failure without digaster.

Of the factors used for the Lynx, all I can say is that they appear to be adequate insofar as the
few fatigue failures which have been found in service have been due to causes other than those which would
be expected to produce failures on test - such as inclusions occurring very rarely in the material,

Whether this is because the factors are just right to allow for the strength variability, and all the other
assumptions are correct, or whether the factors are larger than needed for material variability and are
also covering our ignorance of other matters is harder to say. I suspect that the latter is true to some
degree.

One of the problems in writing the Airoraft Specification is the definition of the aircraftts usage.
In the past we have tended to use the American AR56 and CAM 6 documents as a basis fox the spectrum of
forward speed etc. This has led to a somewhat anomalous situation in at least one case, possibly due to
difforences in terminology in defining speeds. The spectrum in this case included 30% at Vy, (normal
operating speed), 3% at VNE {neover exceed speed) and 0.5% at 1.1 VNE + Clearly to obtain a reasonadle
fatigue life for dynamic components it is necessary for the loads to be virtwally nen—damaging at Vyg .
Tha loads tend to increase rapidly with speed so that the life is very dependent on the time spent at Ve
and 1.1 Vip The maximum speed now defined in the aircraft's CA Release corresponds to VNO 80 we have

the odd situation that the fatigue life is largely governed by flying which in theory should not be done.

In fact this spectrum has now been modified to what is believed to be a more realistic usage.
However fatigue lives are always likely to be sensitive to the amount of time assumed in the more damaging
parts of the flight regime. Hopefully in future our estimates of usage will derive more realism from the
monitoring programmes currently being undertaken.

Fatigue strength data can be a problem, particularly at the very long lives, 108 or 109 cycles,
needed for meny helicopter components. There is also a growing awareness that constant amplitude test data
iz not always a reliable guide in the selection of items such as fasteners where the beneficial effects of
compressive stress introduced by interference fits can be much reduced by occasional high loads.

3.3 Turning next to the Development and Production Phases (Fig 3), it is worth noting the importance of
designing even the prototype aircraft with production in mind. Obviously the fewer differences there are
between the two standards the more relevant the develomment testing will be to the final substantiaticn.

It is necessary to be aware of the assumptions made in the derivation of the spectra of loads for
the various components. The intended role will have been specified together, probably, with a speed
gpectrun and the number of landings per hour. The decigner then has to decide what the role will entail in
the way of manoceuvres, and which of these is likely to be critical from the fatigue point of view. Test
flying is then done to measure loads. Inherent in this procedure are the assumptions that the critical
flight regimes can be identified and that the test pilots can reproduce the sort of flying that will be
done in service,

On fixed wing aircraft there have been occasions when these assumptions have been shown to be false;
for example on one type the Service pilots found that they could improve the roll rate by using the rudder.
This unanticipated use of the control resulted in fatigue ccacks in virtually every aircraft in the fleet.
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However on helicopters the severity of the fatigue environm.nt K even in level flight, may reduce the
significance of the finer detail of the manoeuvre spectrum. Nevertheless the possibility of error ia this
link in the chain of fatigue substaniiation must not be forgotten.

Fatigue testing of helicopters is & complex process and the various components present different
Problems so I shall dizcuss them soparately. In general though there has been a move away from constant
amplitude testing fowards the use of better mixed loading, usually in the form of block programmes.
Although this makes for more complicated testing we believe that it produces more realistic results.

3.3:1 Mein Rot-r Blades

Although any future design is almost certain to have composite blades, our experience to date has
been mostly with stainless steel or light alloy blades. Most of the fatigue testing has been done usang a
single mechanical exciter %o provide combined flap and lag lcading. Because of the difficulty in simulat-
ing the centrifugal field loading on a blade and the fact that there is often more than one critical area,
it is not usually possible to substantiate the whole blade by single tests on the complete blade. This
probler may got worse if the full potential of composites is realized in tailoring the strength and staff-
ness of blades to the local loads; this wiil increase the nwmber of critical areas to be cleared.

3.3.2 Rotor Hubs

The main rotor hub is subject in service to a very complex pattern of loading, particularly if it is
of a non-articulated design such as the Lynx. On-off centrifugal loads, on-off torque and the cscrllatory
flap, lag and torque loads all have different influences on different parts of the hub, and it is very
difficult to simulate accurately the whole loading pattern on test. Because some areas are likely to be
overtested compared to others it may not be possible to obtain a fatigue life for the hubd directly from
the test duration. Instead it may be necessary to use the test to establish an endurance limit for the
failure site and then to use this in conjunction with flight stress measurements to calculate the 1ife.
This method has its own problems, one of which is thet the exact failure locatiun is unknown until the hub
breaks and, unless fortune has been wnusvally kind, this will not be where strain gauge measurements were
taken eithsr on test or in flight. It may be possible to deduce the local stress if the failure 18 in one
of the simpler areas to analyse. However it ic often in an area of gtress concentration with a rapidly
changing stress field in which case further strain geuge or photoslastic work may be recessary to detarmine
accurately the local loading,

This problem may become somewhat casier in future if we turn to designs where separats elements are
used to carry the different loads, such as Aerospatialets "Starflex" hub or other split-load-vath designs.
It might then be possible to do individual and simpler tests on the various components.,

3.3.3 Gearboxes

Our gtandard method of testing gearboxes is to run them under a programme of various power levels to
provide a well mixed loading. The levels are subject to a factor of 1.4 for a asingle test and 1.3 for four
teots, Thege factors originated in the British Civil Airworthiness Requirements and theie seems little
doubt that they provide a very good guarantee of in-service life. The size of the factors does mean
however that there could bo a risk of the mode of failure on test being different from that in service.

It is therefore important to check that the meshing patterns of the test gearg are of similar character to
these in service and that excessive distortion of the casing is not taking place. The use of special
lubricants may be necessary to ensure that the higher contact pressures do not cause unrepresentative
failures due to souffing etc.

The outer cauvings of the gearboxes are tested under loading from the rotor and control systems as
well as from the gears uwsing the usual structural safe 1life factors; this does nct seem %o produce tuo many
problens.

On some of our more modern gearboxes we are in a situation where most flight power levels are non-
damaging and the 1ife is governed by the time assumed in the spectrum at contingency powers. If this time
could be logged the gearboxes could te lifed on condition, Gearboxes are an interesting mixture of safe
life and damage tolerance because although we demonstrate safe lives for the gears, shafts and casing.
some items such as bearings and shims, are not amenable to this treatment. They hava to be protected by
the fault detection systems, eg, chip detectors and magnetic plugs. These will also provide early warnings
of some gear failures,

3.3.4 Airframe Vital Parts

We are talking here chiefly of the main gearbox attachments and the adjacent structure. Attempts
have been made to test these parts by using a complete airframe as the specinen and loading it vaa a dwnuy
gearbox and rotor head, Although this has the merit of providing the correct back~up stiffness, it has
given a good deal of trouble. The major difficulty lies in obtaining a distribution of high frequency
loading which is even approximately correct. Even if all but loads at blade passing frequency are ignored,
the pattern of shears, bending moments and torques produced by the rotor is very complex and very hard to
reproduce,

The fact that these high frequency loads must be factored also tends to produce unrepresentative
failures elsewhere in the structure, due to panel buckling ete, which although not very sigmficant from a
fatigue point of view, do hold up the test.

Por these reasons it has been found more satisfactory to do separate tests on the indiridual atdacn—
ment points using several hydraulic jacks on each to obtain the correct stress distribution.
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4 AIRFRAME NON-VITAL PARTS

Although there are many parts in this category whose failure would be highly undesirable, the rather
less severe loading enviromment and perhaps greater degree of redundancy prevent them from being classed as
vital. As was noted earlier, failures in the airframe cause few crashes. Nevertheless airframe fatigue
can cause a great many headarhes, starting with the Aircraft Specification.

Because even non-catastrophic cracks cost time and money to repair it is not unreasonable for the
customer to write in some requirement relating to airframe fatigue performance. If, as has happened in the
past, this requirement is written in derms of a safc life for the airframe, then strictly a test using the
vital part factors is called for to demonstrate compliance. This is not too difficult to do if only low
frequency loading is considered, since a life factor can be used as in fixed-wing practice. However on
helicopters there are often many areas whero the high frequency rotor induced loading cannot be igncured.

At the very least it imposes & fretting environment on the structure which must be simulated on test to
get the right conditions for orack initiation. However if the loads are sufficiently high to be themselves
damaging, then they have to be reproduced on test and at factored levels.

Our experience has shown up two fundamental difficulties here. First.y, if both high and low
frequency loads ave to be applied on the test in a well mixed spectrum, a system will be needed to apply
and react the luw frequency loads in addition to the system used for vhe high frequency. Thus the air-
frame is constrained in a very different manner to that which it experiences in flight and hence its
vibration mode shapes are changed and its response to %est loading may be quite different. To ensure that
the whole structure is adequately tested, load lovels may have to be raised so that many parts will be
overtested.

The other problem is that even if a realistic stress distribution is obtained, the fact that the
high frequency loads must include a stress factor of about 2 tends to produce unrealistic behaviour such
as panel buckling. In practice these two things mean that the test is plagued by a succession of failures,
most of which are vnrepresentative and unlikely to occur in service.

It would seem that the only circumstance in which a true "safe life” will be able to be demonstrated
for .. halicoptor aisframe will be if the Specification calls for vibration * .els sufficiently low ... to
give non-damaging high froquency stresses cven when factored. In view of the other obvious benefits which
a low vibration enviromment confers this would seem to be the right solution, but of course it will
probably have tc be paid for in terms of woight for vibration control measures.

If speoification of a "safe life" for the entiro airframe leads to all these difficulties, the
alternative is to recogniso that some crackirg can be allowed to happen without immediately nazarding .he
aircraft, and to call up a danage iolerance requirement.

Fatigue requirements for demage tolerant design are under intensive discussion in the UK at the
moment go it is difficult to say what ef.act these will have on testing in future.

The American damage tolerance requirements for fixed wing aircraft require propagation times to
failure to be calculated for defined uizes of oracks which are assumed to be present as flaws in the air-
craft structure as built; inspection times can then be defined. It is & little difficult to see how this
type of requiremsnt will be applied to a helicopter airframe since it does not appear at present to be
waithin the state of the art to predict the high frequency stress distribution with sufficient accuracy.

It seems likely that, at least in the near future, our airframes will be built to a compronise
between the full Kil-Spec type damage tolerance requirement ard the old met iod of designing for a safe lire
under the low freguency levels; the aim probably will be to design for a safe life under the low frequency
loads plus an egsumed high frequency stress distribution whilast at the same time trying to build in the
obvious demage tolerance virtues of redundancy and inspectability.

He shall in future have to exsmine very cirefully what it is that we are hoping to achieve by doing
a magor airframe fatiguo test. It hea been suggested that ideally we should do two, one fairly simple one
&t an early stage 1n the development programme to highlight weakmesses which could then he corrected for
production, and one later on & full production standard structure to demonstrate compliance with the
Specification. In practice however it is doubtful whether an early test would produce sufficiently
reliable results svon enough to affect the production design, and the airworthiness of the aircraft could
probably be better safeguarded 1y Aoing individual fatigue tests .f the crit.cal areas. Providel therefore
that the Specification can be worded in such a way as io protect *“e customer's interests without requiring
demonstr.tion of compliance by test, I think it is rather unlikel, that we shall again attempt a coaplete
airframe fatigue test, at least until the high frequency stresses are reduced to nor—daraging levels.

5 COMPOS.TES

Although many of wur precent helicopter designs in UK have composite components, in the main these
have been in non-fatigue vritical areas or parts where a large ad~heo syperfactor to cover uncertainty
cculd be accepted without cwpromisire ire design. However we are now embarki., on the design of rotor
components in reinforced plestic maverials and clearance procedures have had to be agreed for these
DrosTALNeS o

The main problems are the lack of background knowledge of strength variability in the various
faitlure modes ani of the long tem effects of environment on the properties. The latter is the more
diffrcult to provade rapid answers to and we may have to have scme form of progressive clearance procedure
which might not be zompleted until after the aircraft enters service. Those who have experience of mzking
composite blades may well ask why we do not just take note of their experience and sidestep the probleas
the answer 18 that certain features of our designs are significantly different from what has been dcne
before and could have A different susceptibility to things like moisture ingress. These factors have to
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be checked out since one of the bagic tenets of our composites programme is that these components shall be
shown to have a standard of airworthiness at least equal to metal parts already in service.

He have a number of composite demonstrator programmes running at the moment and the strategy here
has been initially to avoid the environmental issue by aiming only for a limited clearance, say 50 hours
flying. Pig 4 shows an outline of a typical clearance programme. We start by using a hopefully conserva~
tive estimate of variability to obtain factors which are used in the design phase. The component is then
built and tested to find out where and how it fails. Structural elements representing these failure modes
are then tested in larger numbers to determine the variability. Tests on actual components, if necessary
after redesign, are again carried out to obtain the mean strength and confim that failure modes have not
changed if there has been any redesign. Initial lives can then he calculated from this knowledge of mean
strength and variability wsing cclculated loads. Provided that the lives are satisfactory, ground runmng
and initial flight trials to measure loads can take place. The lives can then be recalculated, using at
least for the moment, Minerts hypothesis,

He would expect a production clearance to follow & similar pattern but perhaps with a somewhat
different emphasis on the various parts, reflecting the confidence gained from earlier programmes and the
need to cover environmental effects.

6 SAFE-LIFE OR DAMAGE-TOLERANCE?

Those parts of our helicopters whose structural integrity is essential to the safety of the aircraft
are lifed almost entirely on safe life principles. As wo have seen, these involve a long chain of assump-
tion and actions. There must undoubtedly be weaknesses in some of the links at times, but on the whole a
measure of conservatism at all ctages maintains the overall integrity of the process.

Occasionally howaver scme defect introduced in manufacture or service, or scme flight regime whoae
damaging characteristics have not been recognised, will cause a catastrophic failure against which the
safe life philosophy is no protection.

An additional objection to the safe life system is its sheer wasiefulness: by definition the vast
majority of life-expired components orc thrown away when perfeoctly sound in order tc guard against the
raro weak one. For these r-asons I would strongly support the view, expressed in Mr Hall's paper two years
ago, that we should try to apply damage tolerant design principles to vital parts.

This meens that the parts will have to be designed so that even if a crack is initiated early by a
defect, it will not propagate to failure before it is detected. This approach obviously throws more
emphasis on inspection. In spite of the various drawbacks of the safe life system, the fit-and-forget—
until-time—expired consopt has obvious attractions for Services who are short of manpower. They will
certainly not thank us for increasing the anount of inspaction effort required.

All the same the wisdom of not relying entirely on safe lire was _.early demonstrated to us a few
years agc when one of our in-seorvice types suffersd a series of early fatigue cracks due to corrosion in
the main rotor blade spars. Fortunately the blades were fitted with BIM. But for this we should
undoubledly have lost at least one aireraft. Furthermore, we should have been forced to ground the
whole fleet for inspection, causing our Services considerable operational embarrassment. As it was the
aircrart kept flying, although it was necessary to do a rapid check to see thal the inspection period for
the BIM was still adsquate. Even this would have boen unnecesxary if a cockpit-indicating system had been
installed.

This example highlights another snag with safe life and advantage for damage tolerance - what
happens whon things go wrong? If che failure is due to uvomething such as corrosion which invalidates the
safe life clearance and which may apply to all aircraft of a type, they must all be inspected. If there
ig no adegnate degree of damage tolerance or system such as BIM, the aircraft may have to be grounded and
a ressive amcunt of work is suddenly generated.

In tne end it all comes down to a question of cost effectiveness. For this reason I suspect that we
may find the civil market leading the way in developing additional devices on the lines of BIM. Health
mo. itoring systims for engines and gearboxes are commonplace, and as individuals we ourselves have 2 system
whicn guards our personal structural integrity, called pain. Pain of course not only tells us when a
failure has occurred but when the loads are approsching damaging levels, so it combines the functions of a
BIM system with those of a cruise gui’e indicator and a 'g! meter. However mecharical analogues 10 pain
cannot be zllowed to increase the wor of the already overlcaded crew, but the use of on-board compater~
based systems, perhaps coupled to speech synthesisers, could avoid a proliferation of warning lights and
buzzers in the cockpit.

Wide scale use of active monitoring systems for structure is probably a long term possibility. In
the short ierm composites ani elastomeric bearings seem to offer the prospect of relatively slow and benmign
failure modes which should enable some rotor system components to be lifed on conditron withowt increasing
the amount of inapection much beycnd wnat is normally done as routine husbandry. .n addition some of the
uncertainties about aircraft usage may be removed by the use of on-bvard computer facilities to record air—
craft usage by moni‘oring either flighl paran tors or perhaps loads directly; fatigue meters arce of course
already widuly used on fixed wing aircraft.

7 CONCLUSION

The fatigue substantiation methods currently in use in the UK appear to be succeeding 2n maintaiming
an adequate level of airworthiness in our milifary helicopters, mainly by meanz of the safe life philusorhy.
Nevertheleas there are recognised areas of weakness in the system and in many respocts it is wasteful.
These factors are moving us towards damage tolerant designs and on-condition lifing.
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HELICOPTER FATIGUE — A CIVIL VIEW
by

H.E.Le Sueur
Civil Aviation Authority
Airworthiness Division
Brabazon House
Redhitl, Surrey RH1 1SQ
UK

INTRODUCTION
Until now being fully aware of the sensitivity of the helicopters to fatigue, and the inability to
provide alternate load paths, the helicopter structural engineer has been forced to adopt a safe fatigue

life approach in determining the airworthiness of the helicopter structure. This has been unsatis-
factory as a few statistics will show. “

IMMEDIATE HISTORY

Using the well known methods specified in Appendix A to CAR 6 (now AC20-95 Ref 1) astimates of Safe
Fatigue Lives have been obtained for such items as Main Rotor Blades.

Applying these Approved Safe Fatigue Lives in service has led to the following statistics for a twin
engined helicopter type :

YEARS IN SERVICE 18
TOTAL NUMBER OF HOURS 915,000
NUMBER OF ACCIDENTS b2
NUMBER OF FATAL ACCIDENTS 12
NUMBER OF FATALITIES 133

OF THESE 12 FATAL ACCIDENTS
5 WERE DUE TO ROTOR FAILURE
2 WERE DUE TO TRANSMISSION FAILURE.

In United Kingdom Civil Operations we have accumulated 500,000 hours of twin engined helicopter flying
resulting in 18 accidents with one fatality over a periocd of fifteen years.

So the average accident rate ia>3 per 100,000 hours and the fatal accident rate approx & per 300,000
hours for Civil Twin Engined Helicopters.

We have reason to believe that the accident rates for military helicopters are of the same order, if
not worse,

The important thing is that in the civil field these rigures are not to be tolerated and steps must be
taken to improve then.

What methods are available to reduce those accident rates which are due to structural failures,

METHODS IMMEDIATELY AVAILABLE

3.1

343

Reduction in Speed

It has generally been agreed that a scrap life on a rotor blade of less than one thousund hours is
unsconomic, in fact a life of ten thousand hours would be more acceptable. Let us acsuae a life of
ten thousand hours. This means that only 0,01% of the fatigue damage can be sustained in any one
flight. 1In other words the majority of the flight is non~contributory to fatigue damage and the
damage only occurs during the rare excursion to the exiremes of the flight envelape in terms of
manoeuvre, airspeed both lateral and lorward, It would therefore appear that the flight envelope
should be restricted in terms of forward speed. In the UK we resirict the forward speed such that
the never exceed speed VNE should not be exceeded in the event of a slight upeet i.e. if the maximum
level speed of the helicopter Vy is higher or equal to Vjygp then a normal maximum operating speed VNo
should be imposed which is 10% or 10 kts less than Vyg (Ref 2). This we believe has been a major
contribution te helicopter safety.

Landing Pull Ups

When the helicopter comes into land it is essential to ensure that the rotor carries its cwn weight
until the helicopter is firmly on the ground i.e. there is no significant reduction in rotor speed
likely to cause the blades to bang on the stops. The occurrence of such incidents requires monitor-
ing. In the past it has been assumed that the fear of the Main Rotor striking the tailcone would
prevenct such an occurrence subject to proper training. However, there is evidence to suggest that
such an incident led to a fatal accident some five hundred hours later.

Maintenance and Overhaul

In the maintenance of helicopters it is essential that the Rotor Heads be properly serviced to ensure
that dampers have adequate fluids and that the blades are properly tracked. When overhauling compon~
ents and reclaiming parts it is essential that techniques such as shot peening and uebrittlement
after plating are properly carried out,
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3.4 Extensive Testing

The S-N curve for steel has in the past.been considered to have a knee between a million and ten
million cycles i.e. it was considered that if a component made of steel was tested to more than 107
cycles it would be free from fatigue, However, in the event, after a large number of gearboxes of
an early design had accumulated many hours it was found that the planetary gears were failing due to
fatigue and that such a failure resulted in a fatal accident., This demonstrates the necessity for
fatigue testing. The use of life factors is inadequate when considering stress ceversals of the
order of 10 million cycles or more so there is a necessity for factoring the torque applied to the
gearbox. For British Civil Helicopters we require a stress factor of 1.4 for a single test (Ref 3).

L, DEVICES

4,1 Early Warning Indicators

In examining the methods of calculating safe fatigue lives it becoues clear that the approved methods
leave a lot to be desired. Whon considering the stress cycle involved for a rotor it is apparent that
the major part of the cycle is start up - shut down and unléss this part is below the fatigue limit

for the material then there is bound to be some fatigue damage every flight or start up. If the blade
ha& a calculated safe fatigue life of say 10,000 hours then during its 1life it has been subjected to

10" or more such cycles and will no doubt suffer some fatigue damage over and above any due ‘o those
stresses measured in flight if the above proviso is not applied.

Again the accepted method of calculating safe fatigue lives is based on @

&) Fatigue testing of new components.

b) Strain gauge analysis of prototype aircraft operated within a specified flight envelope.
c) A predetermined flight schedule that bears little relation to what occurc in practice.

This programme does not allow for :@

I Deterioration in service due to corrosion and mishandling.
II Undiscovered mistakes in quality control such as inclusions, anodic burns etc,
III Ths occurrence of lightning strikes.
IV Inadvertent exceedance of the flight envelope due ‘to weather conditions, inaccurate calibration
of instruments etc,
V Increase in vibratery stresses due to imbalance of rotors, erosion of blades etc,
VI Any change in operational requirements.

It requires a lot of faith to expect the factors of the approved methods to cover all the above vari-
ables. So what have we available EARLY WARNING INDICATORS.

It took a number of accidents to convince the manufacturers, operators and airworthiness authorities
that some form of early warning was necessary and that simply reducing the safe life everytime there
was an accident was not a satisfactory solution.

Several methods have been tried

a) Blowing up the blade spar.

b) Evacuating the blade spar.

¢) Electroconductant Paint, films etc.

Each of these methods have had some mecasure of success but the record is not one hundrazd per cent and
improvements have been found necessary.

4,2 Adequate Warning

In providing an early warning indicator it is necessary to have adequate warning. In deterziring a
SAFE FATIGUE LIFE it was assumed that failure occurred at crack initiation i.e. the component was no
longer airworthy., With an EARLY WARNING system it is necessary to go beyond this point and allow some
crack propagation and we are now in the realm of fracture mechanics, It is to be noted that once a
crack has formed the stresses at the edge of the crack are well above the fatigue limit of the material
for the crack to propagate. It is necessary to do crack propagation tests to determine the time from
crack indication to ultimate failure. We thorefore have two periods (1) the time from crack initation
to crack indication, and (2) the time from indication to ultimate failure, It is essential that the
latter time is sufficiently long for adequate steps to be taken to avoid a catastrophe. As w2 are
dealing with stresses much higher than the fatigue limit a scatter factor of the order of 5 in teras

of time as used in fixed wing theory should suffice. Unfortunately this measure did not avoid an
accident and it was necessary to tighten the procedures.

4,3 Cockpit Warning

Vhen considering the normal vibratory stress against speed of the helicopter it s of the shape shown
in Figure 1, i.e. the stresses increase with increase of speed at normal cruising speeds so if it is
possible to warn the pilot of an impeniing crack he can back off speed, decrease cyclic stress and
have a comparatively longer time to make a safe landing.




5. OTHER COMPONENTS
5.1 Tail Rotors

In assessing the fatigue characteristics of tail rotors the maximum load is likely to occur near the
ground in the hover. Surges of power to react rudder loads are required and unstable airflow through
the tail rotor may occur.

There are too many accidents due to tail rotor failure and it is difficult to find a satisfactory
solution. At the moment the requirements establish a design standard but the adequacy of that design
standard can only be proved in service. The use of materials with low crack propagation rates and
vibration monitoring may provide a partial solution but the present situation is not exactly happy.

5.2 Main Rotor Heads

-

Several accidents have occurred due to the fatigue failure of part of the main rotor head. It has not
always been clear what caused the failure but some indications are

1) Inadequate shot peening during salvaging at overhaul.

2) Incipient damage due to pounding on the stops leading to crack propagation.

3) Corrosion fatigue in areas not visible for normal inspection.

There is no obvious method of preventing the above accidents except to learn by experience and after
the accident be more vigilant to prevent a recurrence.

5.3 landing Gears

Several cases of fatigue have occurred on landing gears both wheeled and skid. Usually the situation
has been contained because of adequate inspection and the fact that a helicopter normally lands with
zero forward gpeed and any undercarriage malfunction can be noted before catastrophe occurs. This
did not however prevent a fatal accident on the PANAM roof in NEW YORK.

6. THE FUIURE

The majority of catastrophic accidents to helicopters involving structure have been due to fatigue of
some kind and in comparing the civil helicopter with the civil jet aeroplane the accident rate for
helicopters appears to be worse by a factor of at least two. Again a higher proportion of helicopter
accidents are due to structural failure. This being the case there is need for improvement,

There would appear to be some benefit to be obtained by the introduction of damage tolerant materials,

the incorporation of multi-load paths and the use of vibration monitoring but therc¢ is still a long way
to go before we will be able to say we havs learned to live with fatigue.
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HELICOPTER COMPONENT FATIGUE LIFE DETERMINATION

by
M. J. McGuigan
Manager of Structures Technology
Bell Helicopter Textron
P. O. Box 482
Fort Worth, Texas 76101 USA

SUMMARY

The fatigue evaluation program for heliccpter components is reviewed and some of the
uncertainties that can be encountered in each stage of the program are discussed in some
detail. These include the fatigue test and the flight loads measurement phases., Also
considered is the frequency of occurrence spectrum and the effects of changes in operational
usage as well as possible solutions to the problem of the resulting changes in load spec-
trums. Variables in the final fatigue life calculations are discussed and some different
approaches to setting component retirement time are discussed. In view of the existing
uncertainties involved in the "safe life" determination process the "fail safe" approach
is considered and some examples are discussed of damage tolerance testing for both metal
and composite main rotor blades.

INTRODUCTION

The helicopter component fatigue life determination process is a complicated and
many-faceted procedure. Many of the elements that go into this process are very difficult
for the manufacturer to accurately define, and there are some cover which he has little
control. Realizing this, the manufacturer must apply certain conservatisms into each step
of the total process. In some cases "state of the art" improvements and advances in other
technologies have occurred which can be used to eliminate some of the uncertainties in-
volved. The fatigue life determination process is described step by step, and it is shown
how some recent advances can be used, in some instances, to improve the situation.

In order to determine the fatigue life of helicopter components, three basic fac-
tors must be known as shown in Table 1, The first factor is the fatigue strength of the
component, the second is the loads or stresses to be expected in normal flight, and the
third is the frequency of occurrence of these loads or stresses. To obtain the information
necessary to adequately define these factors for the many fatigue critical components in
a new model helicopter an extensive fatigue evaluation program must be undertaken. A de-
tailed look at this program is appropriate.

Fatigue Strength

The information to define the first factor, fatigue strength, is usually obtained by
constant level fatigue test of several specimens of the actual component in order to des-
cribe the $-N curve for that component. }

A major reason for choosing constant level tests over spectrum loading tests points
up one of the principal differences in the fatigue problem between fixed wing and rotary
wing aircraft. That is, the vate of accumulation of loading cycles and, therefore, the
total number of cycles to which components &re subjected in a given amount of flight time
is much greater for the helicopter. The helicopter is subjected to significant oscillatory
loading at some multiple of the rotor speed even in steady one "g" level flight. A typical
helicopter main rotor may accumulate one million load cycles in about fifty hours of flight

at one load cycle per revolution. The tail rotor may be subjected to one million cycles
in only ten hours,

The advantages of spectrum type tests are well known and some are listed in Table 2,
While these advantages are significant, the disadvantages must also be considered and some
of these are shown in Table 3. The primary disadvantage is that a very large number of
load cycles are required to be applied in this type of test. As an example, to substantiate
a fatiqgue life of 5,000 hours for a main rotor component by spectrum fatigue test of only
one specimen, using a scatter factor of four, would require the application of four hundred
million load cycles., For a tall rotor component twe billion cycles would be required.

Since tests of several specimens are required, this type of testing is beyond the realm of
practicality. The only way to make it practical is to truncate the spectrum to obtain a
reasonable number of load cycles. This procedure, however, carries the problem of showing
incorrect effects from fretting which is one of the more significant items in the helicopter
fatigue picture. Spectrum fatigue tests can, >n the other hand, be a very useful tool in
the conduct of crack propagation tests in which the £flight time considered is reduced.

The spectrum test then becomes practical.

aAn additional disadvantage is that the complete loading spectrum must be defined prior
to starting the test. While the "state of the art" in analytically determining rotor loads
has improved greatly in past years, the loads used for fatigue life determination are re-
quired to be measured in actual helicopter flight by all certifying agencies. This would
therefore mean that the final flight loads survey program would have to be completed before
any fatigue tests could be started.
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The last disadvantage shown, that of assessing life changes with spectrum changes,
is a particularly bothersome one for helicopters for which new methods of operation are
continually being developed. This aspect will be discussed in more detail later.

In view of the foregoing, the fatigue strength of each component is usually obtained
by constant level fatigue tests of several specimens of the actual component in order to
describe an S-N or load versus cycles curve for that component. All facets of these tests
are handled in a conservative manner in order to produce valid and yet conservative test
results. The actual mating components, assembled as in the helicopter, are usually used
to support and load the test specimen. Very large and complicated testing machines are
custom built in order to obtain the proper loads and loading distributions on the large
parts such as rotor blades and hubs. The load distrikutions are based on flight measured
values. The steady test loads are maintained at a conservative level for the tests of
all specimens. Howevexr every laboratory test is a compromise in some respects, and the
exact simulation of os.istlatory flight loads in a fatigue test machine is often difficult.

In actual f)ight, the ratio and phasing of inplane loads to flapwise loads will vary
from cne £light condition to another as will the steady load and the spanwise loading dis-
tribution. Also, multiple failure modes are frequently encountered in the tests making
test results difficult to handle.

The data obtained from these tests is usually handled in some statistical manner to
account for the scatter in fatigue strength as shown in Figure 1. In general, the methods
of analyzing fatigue test data used by most helicopter companies are very similar, but
there can be considerable differences in the detailed application. First, the typical
small sample size makes statistical analysis for an individual part difficult. Therefore,
most companies use additional information from more extensive small specimen tests, or
their own data base from many past component fatigue tests, or both. Most all analysis
uses an S-N curve shape equatiou and an assumed statistical distribution of stress at the
endurance limit, i.e., normal, log normal, etc. Since neither of these are generally es-
tablished or standardized, the variations in these factors can cause a considerable dif-
ference in the fatigue lives which are eventually determined, An effort has been initiated
in the U.S.A. to achieve some degree of standardization (Reference 1).

Flight Loads

The information to define the second factor, the loads or stresses to be expected
in normal flight, involves an extensive flight load survey wherein the flight imposed
steady and oscillatory loading is measured in many level flight and maneuver conditions.
The loads for these flight conditions are measured over a range of gross welghts, rotor
speeds, center of gravity positions, and altitudes as shown in Table 4. Since the flight
loading must be measured on many fatigue critical components and the load distribution
must be defined on some »f these, many channels of information must be recorded. On a
typical helicopter flicht load survey 100 channels of data might be required. Since each
level flight and maneuver condition must be repeated at several gross weight, center of
gravity, rotor speed and altitude conditions, as many as 120,000 total data points must
be obtained. This creates a rather large data handling problem. Magnetic tape record-
ing and automatic data reduction and plotting systems must be used to obtain the necessary
information in usable engineering units. Great care is taken in the automatic record
reading systems to prevent the recording of erroneous data. Error detection safeguards
are built in throughout the procedure.

Some knowledge of the uses or missions in which the helicopter is to be engaged in
its lifetime is necessary in order to select the flight conditions to be investigated
in this flight loads program., Even if this is accomplished there is some concern over
the variation in loads from pilot to pilot and some from one aircraft to another since
the helicopter is a finely tuned dynamic system. The individual pilot's technique and
the severity of the maneuvers which he performs can affect the resulting loads; therefore
maneuvers of different severity are frequently flown to investigate this effect. Also,
the effects of normal atmospheric turbulence on the oscillatory rotor loads is another
complicating factor. Therefore, some manner of accounting for the scatter in loads is
employed by most manufacturers. When enough data is available an "upper edge of data
scatter" approach can be used. Or a system can be employed wherein, for a given maneuver,
the highest load recorded for any gross weight or altitude, as an example, may be used
in the subseqguent analysis.

Frequency of Occurrence Spectrum

1aformation on the third factor, the frequency of occurrence of these loads or
stresses, is somewhat more difficult to define. This involves & description of the usage
or mission profile for the new model helicopter in order to be able to assign a percent
of the total flight time to each of the flight conditions investigated in the flight load
survey. This information is not something that the manufacturer can completely define by
any type of testing at his facility Qurin~ the qualification or certification program. &
conservative approach to this problem is attempted in order to create a loading spectrum
as severe as any that the helicopter can be expected %o encounter in actual service. To
this end, extensive use is made of past experience with similar purpose helicopters. All
available data from previous flight recorder programs of actual operations, as well as
some operations analysis of particular missions are considered. However, in spite of
this effort, new uses, environments, and methods of operation are continually being devel-
oped for the helicopter that cannct be foreseen during original qualification.
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Concrete examples of these new uses that have arisen after helicopters have been in
service for some time are a matter of record. In the case of military helicopters there
is the nap~of~-the-earth mission that has been in use for some time and the air-to-air com-
bat mission which is now being seriously considered for some helicopters. In the commer-
cial helicopter usage, an example is the repetitive heavy lift operations with an external
cargo sling wherein the frequency of occurrence of extreme power excursions has become
very high. This has resulted in accelerated fatigue damage and reduced retirement times
for some components that would not otherwise have incurred significant fatigue damage in
service.

One possible answer to this difficulty may lie in the use of £light recorders to
determine just how the helicopters are used in actual service. A number of attempts at
this approach have been made in the past, but the recent application of microprocessors
to these recorders may make this approach both more practical and economically feasible.
Micro-processor recorders have been tried recently in both military and commercial usage
with some encouraging results. One such application was initiated by the U. S. Army
(Reference 2) to develop a recorder which incorporated "flight condition recognition"
features which stores in a microcomputer memory unit the information necessary to describe
the frequency of cccurrence for various flight conditions to record and describe the
mission profile for the helicopter. With a recorder on each aircraft, a ground data re-
trieval unit, and a supplemental software system to calculate actual fatigue damage
incurred, it is planned to replace parts on an as required individual basis rather than a
blanket retirement time for the fleet. This system is now being implemented on several
AH-1 Attack Helicopters and may be practical in a situation where one organization (U. S.
Army) controls all helicopters and all spare parts in the fleet. Bell Helicopter Textron
has acquired several similar flight recorders and thus far has sampled data from three
aircraft of one commercial helicopter model used in off-shore drilling rig support in the
Gulf of Mexico. The recorder, and data retrieval unit are shown in Figure 2. The flight
recorder, including microprocessor mini computer, is small and weighs only 13 kilograms.
This data is being used currently to aid in developing frequency of occurrence spectrums
for new helicopters in process of certification that may be used in a similar role. The
magnitude of this effort would, however, be considerable 1f each new use is to be sampled
as it is developed by the commercial operator and component retirement times changed as
dictated by the new spectrum. Any attempt at adjusting retirement times to be commensurate
with a particular helicopter usage creates a whole new set of implementacion problems in
itself. So far the U, S. Federal Aviation Administration has not looked favorably on
setting different retirement times for the same model, which are dependent upon the types
of usage in which the helicopters are engaged. It is obvious that it would create addi-
tional problems of administration and enforcement for them considering how frequently air-
craft are switched from one type of operation to another, and traded from one owner to
another. One possible solution to this problem might be a procedure for lactoring flight
time based on the type of operation. 1In this system the retirement times would be estab-
lished from a basic FAA approved frequency of occurrxence spectrum. Then new and different
types of operations could be assessed and a factor determined relative to the original
basic spectrum and retirement times. Thus, in various operations each flight hour would
be multiplied by a factor of 2, 3 or 0.5 as appropriate to determine the flight hours to
be charged toward the basic retirement time.

In connection with :he repetitive heavy lift problem, one difficulty is that operators
who are not engaged in this type of operation must endure the same lower retirement times
on some parts even though it is not necessary, One possible solution is to base retire-
ment times on the number of sling loads carried rather than £light hours. Some precedent
2xists for this system since some parts of some fixed wing transport aircraft have retire-
ment times based on number of landings rather than flight hours. The FAA still has pro-
blems with both of the possible solutions, but perhaps a workable arrangement can be imple-
mented in the near future.

Fatigue Life Analysis

Once the information on the three basic factors is available, there remains the inte-
graticn of all this data into the fatigue life calculation using The Cumulative Damage
Theory (Miner's Method). Because of the differences in detailed application of each one
of the many steps that go into the complete calculation, large differences in the calcu-
lated fatigue life can be obtained by fatigue analysts. This fact was illustrated at the
American Helicopter Society Fatigue Methodology Conference in St. Louis, Missouri in Murch
of 1980, Reference 1. For this conference, seven different helicopter companies calcu-
lated the fatigue life of a hypothetical part from the same set of information supplied
by tha U, 5. Army. The results are summarized in Table 5 where it can be seen that con-~
siderable difference existed in the calculated lives, A large portion of this difference
was caused by the amount of scatter reduction taken from the mean S-N curve to obtain the
working S-N curve. Other factors which contributed to the difference were the shape of
the S-N curve used, the statistical distribution of stress at the endurance limits, and
the cycle-counting method used. 1In addition one company included a flight loads scatter
factor based on its own mofiel for statistical distribution of flight loads.

Since the hypothetical problem was contrived to make it useful for this purpose, many
steps in the total process were not included. Some of the differences between the hypo-~
thetical problem and real situations are: the frequency of occurrence spectrum was over-
simplified, there was no opportunity to consider scatter in flight loads, there were no
fretting failures, non-failures, or different failure modes in the S-N data.
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Bach manufacturer handles each step in his own manner with differing degrees of con-
servatism in each. Therefore, it is possible that if the total process was handled by each
company using its own methods, the final answers may not have been as different as in this
hypothetical case.

Several companies use a recommended retirement time considerably less than the calcu-~
lated life to account for some of the unknowns. Bell Helicopter Textron has established a
policy in recent commercial helicopter certifications of setting the retirement time in
both flight hours and calendar time. This policy has been instituted because aging, high
time helicopters, if poorly maintained, present an increased risk of failure. The most re-
cent commercial model certificated carries a maximum of 5000 hours or 10 years for all
principal rotor and control system components above the boost actuators.

Damage Tolerance

Another approach to the fatigue problem that has been used in fixed wing aircraft for
many years is the "failsafe" or damage tolerant approach. This procedure is very desirable,
but is much more difficult to attain in helicopter dynamic components than in typical fixed
wing structure. One reason is because of the flapping and feathering freedom that enable
helicopters to fly and the necessary interface between rotating and non-rotating controls.
Another reason is the rapid accumulation of loading cycles previously referred to and the
consequent tie-in with the necessary inspection intervals and procedures to enable the
“failsafe" approach to work properly. The U. S. Federal Aviation Requlations did not allow
"failsafe" certification for helicopters until October 1968 (Reference 3) and the FAA pol-
icy material and guidelines outlining acceptable procedure for such certification were not
published until May 18, 1976 (Reference 4).

One major heliconter component with which some success has been recently achieved
using a "failsafe" approach is the main rotor blade. In the case of metal or principally
metal blades the use of glass safety straps running spanwise inside the hollow spar (the
main load carrying member) has achieved some degree of success. The installation of the
glass strap is shown in Figure 3 where it can be seen that the unidirectional S-glass
strap is bonded to the upper and lower sides of the hollow "D" spar and its presence is
not necessary to carry the required design loads. The benefits of this strap are two-fold.
First, the rate of fatigue crack propagation is greatly reduced, once a railure is ini-
tiated, giving normal inspection procedures the chance to find the crack before it becomes
catastrophic. Secondly, the residual static strength of the blade with a crack present is
greatly increased. The comparative crack propagation is shown in Figure 4 where the curve
on the left is for the basic blade and the curve on the right is for the same blade but
with the glass strap installed. It should be noted that the time shown is only that after
the crack became externzlly visible, or¥ about one inch in length. The crack was initiated
by internally notching the D spar and a considerable portion of that spar was failzd be-
fore the crack progressed into the externally visible blade skin. Two main rotor blade
configurations which incorporate this feature are now certified and in production. The
latest configuration as used in the Bell Model 222 blade is shown in Figure 5 and provides
failsafe protection for the root retention system as well as the complete span of the
blade. Neither of these blades are certified "fallsafe" under the existing FAA procedures.

Another approach which perhaps holds even more promise is the all composite main
rotor blade which can exhibit very favorable damage tolerant characteristics. One su'h
blade used on the Bell Model 214B has recelved FAA certification and otchers are in thea
process of test and certification, The first blade to be certified has been in service
for almost two years and is constructed principally of S-2 unidirectional filament wound
fiberglass and therefore had to be certificated in accordance with the FAA's Advisory
Circular on certification of composite aircraft structure (Reference 5). An extensive
test program was required including environmental fatigue and static tests on coupons,
structural elements and full scale structure (Reference 6) to develop environmental
strength reduction factors for use in the analysis.

Fatigue tests were conducted on these composite blades in a manner similar to that
used for previous metal blades and a retirement time is presently assigned. However, an
example of their damage tolerance is illustrated by Figure 6. This blade specimen was
fatigue tested at an elevated load level to provide a point on the S-N curve and then 5,000
start-stop cycles were applied. The complete afterbody was then sawed away leaving only
the spar to react the loads. The spar was alse inadvertently notched in the sawing opera-
tion. The notched spar was then tested for the equivalent of 125 hours of flight at a
load level 1,35 times the maximum level flight loads at which time 500 additional start-
stop cycles were applied with no further deterioration of the spar. This test demonstrated
the damage tolerant characteristics of the composite blade with external damage nresent.

CONCLUSIONS

While there are uncertainties involved in each aspect of the helicopter component fa-
tigue life determination process, some of which have been discussed herein, there are con-
servatisms deliberately built in to each step of the process. Those conservatisms tend to
balance the uncertainties of a very difficult problem. In addition, progress is constantly
being made in the assessment of each aspect. The aspect which is probably most difficult
for the manufacturer to assess and over vhich he has little control is the variety of usage
and new methods of operation that are continually eveolving for this v rsatile aircraft.

New developments in technology are making better assessment of this aspect appear more
attainable. The use of composites in major components to achieve improved damage toler-
ance and corrosion resistance should improve the picture further in the future.

n




9-5

REFERENCES

1.

2.

PROCEEDINGS OF THE AMERICAN HELICOPTER SOCIETY, HELICOPTER FATIGUE METHODOLOGY
SPECIALISTS' MEETING, St. Louis, Missouri, March 25-27, 1980.

Saylor, Duane M., FLIGHT CONDITION RECOGNLITION, Applied Technology Laboratory,

U. S. Army Research and Technology Laboratories (AVRADCOM), Ft. Eustis, Virginia.
Presented at the American Helicopter Society, Helicopter Fatigue Méthodology
Specialists' Meeting, St. Louis, Missouri, Marxch 25-27, 1980.

Department of Transportation, Federal Aviation Administration, CRITICAL ROTORCRAFT
COMPONENTS, Federal Aviation Regulations, Part 29, Amendment 29-4, October 17, 1968.

Department of Transportation, rederal Aviation Administration, FATIGUE EVALUATION OF
ROTORCRAFT STRUCTURE, Advisory Circular 20-95, May 18, 1976.

Department of Transportation, Federal Aviation Administration, COMPOSITE AIRCRAFT
STRUCTURE, Advisory Circular 20-107, July 10, 1978.

Reddy, D. J., QUALIFYCATION PROGRAM OF THE COMPOSITE MAIN ROTOR BLADE FOR THE MODEL
214B HELICOPTER, Journal of the American Helicopter Society, Vol. 25, No. 3, July
1980, pages 10-14,




[

9-6

TABLE 1
BASIC FACTORS

1, FATIGUE STRENGTH
2. FLIGHT LOADS
3, FREQUENCY OF OCCURRENCE

TABLE 2
ADVANTAGES OF SPECTRUM TESTING

o FATIGUE LIFE DIRECTLY FROM TEST RESULTS
o ELIMINATES USE OF CUMULATIVE DAMAGE THEORY
o INCLUDES HI-LO STRESS INTERACTION EFFECTS

o ELIMINATES S-N CURVE SHAPE UNCERTAINTIES AND
EXTRAPOLATIONS

TABLE 3
DISADVANTAGES OF SPECTRUM TESTING

e VERY LARGE NUMBER OF LOAD CYCLES REQUIRED
- ONE SPECIMEN, 5000 HRS., S.F. =4
- MAIN ROTOR: 400,000,000
- TAIL ROTOR: 2,0600,000,000

¢ COMPLETE SPECTRUM REQUIRED PRIOR TO TEST

© DIFFICULT TO ASSESS LIFE CHANGES WHEN SPECTRUM CHANGES




TABLE 4
FLIGHT LOADS SURVEY

® VARIABLES
- GROSS WEIGHT
- CFNTER OF GRAVITY POSITIONS
- ALTITUDE
~ ROTOR SPEED

® 100 DATA CHANNELS
® 120,000 DATA POINTS
® VARIATIONS IN LOADS

- PILOT TECHNIQUE
- ATRCRAFT

TABLE 5
TIGUE LIFE SUMMARY

97

FATIGUE LIFE - HRS.
WITHOUT WITH

MANUFACTURER CYCLE COUNT CYCLE COUNT
AEROSPATIALE 9 58

AGUSTA 804 13,866

BELL 1831 27,816 (5,000)*
BOEING VERTOL 1294 22,523

HUGHES 2594 24,570

KAMAN 67 191
STKORSKY 240 470

* RECOMMENDED RETIREMENT TIME 5,000 HOURS OR TEN YEARS
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Report on Session III

SURVEY OF SERVICE EXPERIENCE W(TH
REGARD TO EXISTING PROCEDURES

by

J.Darts
Royal Aircraft Establishment
Structures Department
Farnborough, Hants GU14 6TD, UK

A. Summary of paper by R.Cansdale — “‘An Evaluation of Fatigue Procedures for UK Military Helicopters”

This paper reviewed the current UK procedures for certification of military helicopters and gave the author's
opinion of the way these procedures should develop in the future.

The present factors on stress and power levels used for testing and estimating the life of components were based
on past experience. Factors for composites had not been derived because of the limited variability data available. The
paper highlighted the problem of defining aircraft usage and that fatigue life was governed by flight conditions that
theoretically were not flown,

A discussion of fatigue testing procedures concluded that testing techniques should simulate the loading environ-
ment in o more realistic manner, The paper recegnised the difficulty of testing parts that experience a complex load
environment often resulting in unrepresentative failure modes. The tailoring of composite structure to the loading
environment may lead to there being more critical areas and therefore a need for more extensive tests. The paper
indicated that certification of composite structure in the UK was at present using very conservative estimates of life.

For the future the paper considered that damage tolerant design could account for the effects of unknowns such
as vorrosion, The increase in manpower needed to perform inspections needed to be considered carefully when using
this design approach. Finally the need for an on-board monitoring system to reduce the number of unknowns in the
loading and usage environment was identified,

B. Summary of paper by H.E.Lesueur — “Helicopter Fatigue — A Civil View”
Thys review of certification procedures for civil helicopters indicated that a safe life approach towards fatigue was

somewhat unsatisfactory. This conclusion had been reached from an assessment of civil accidents which gave an
unaweptable accident rate of four fatal acvidents per 300,000 hrs, The paper suggested accidents could be reduced by

eliminating excursions to the extremes of the flight envelope and ensuring the rotor carried its own weight when landing.

Proper servicing procedures and extensive fatigue test data were also aids to reducing accident rates.

The need for early warning indicators was identified as a result of the inability of safe life procedures to account
fur factors such as corroston, flight envelope exceedance and changes in operational requirements. The paper concluded

that future designs would benefit from the use of damage tolerant materials, multiple load paths and vibration monitors.

C. Summary of paper by M.J.McGuigan and M.E.Gloss — “Helicopter Coimponent Fatigue Life Determination”

Fatigue strength of components, loads in flight and their freuency of cccurrence were identified by this paper as
important factors in determining helicopter fatigue life,

To deterinine fatigue strength of components conservative constant amplitude testing was preferred by the authors
because spectrum tests were time consuming. Truncation of a spectrum to reduce testing time could result in an
neffective simulation of fretting. A standardised approach towards the methods of analysing fatigue life data was
suggested, Razsults of an Amenivan Helicopter Suviety exercise had shown that detals 1 differences in the application of
cumulative damage laws could lead to large differences in life.

The problem of defining the flight loads and their occurrence was discussed by the paper and the size of the loads
data base requred for an avwurate assessment of usage estimated. As in previous papers the need for flight recorders
and adoption of a damage tolerant design philosophy w.s suggested.

e -~
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D. Discussion of the papers in Session II]

Interest was expressed in the best way to perform a flight test programme and how piloting technique could be
taken into account. The authors generally agreed that to achieve reliable “esults an extensive programme would be
required hence the adoption of the conservative appreach of using the highest load achieved in each flight conditjon,
Evidence supplied from the floor agreed and disagreed with the conclusion that spectrum testing was unsuitable for
testing helicopter components. Testing to large numbers of cycles had been achieved in other fields of fatigue design
such as automobiles,

The discussion turned to 3 consideration of accidents and it was re-emphasised that premature failure of components
was generally caused by flight envelope exceedance. Accident rates for both civil ang military helicopters were discussed
but evidence was supplied that 75% of helicopter accidents were caused by pilot error. Changes in helicopter tactics
were leading to more accidents such as wire strikc in NOE missions.
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| ESSAI DE FPATIGUE D'UNE STRUCTURE COMPLETE DE
L'HELICOPTERE SA 341 "GAZELLE"
- PREPARATION
; - CONDUITE
’ ~ RESULTAZS
PAR :
]
Philippe PETARD Jean-Pierre LAMBERT
Ingénieur AEROSPATIALE P Chef du Laboratoire d'Esnals de
B.P N° 13 Fatigue de Structure au C.E.A.T
13 722 - MARIGNANE (France) 23, Av. Henri Guillaumet
31 056 = TOULOUSE (France)
1 - La Gazelle est un hélicoptére léger, monoturbine, tripales. Sa structure combine des assemblages métal-
ligues et en nids d'abeilles. L'hélicoptére a la particularité d'avoir un ensemble dérive-fénestron qui
remplace le rotor anti-couple classique. Cette conception permet en particulier, aux grandes vitesses,
de réduire la puissance nécevsaire sur le fénestron du fait de l'action aérodynamique de la dérive et
d'augmenter en conséquence la puissance disponible sur le rotor principal,
2 - OBJECTIFS :
L'essai d'endurance de la cellule ¢ la Gazelle qui s'est terminé en mai 1978 avait pour but de
reproduire en laboratoire, sur une cellule compléte, les sollicitations temporaires et alternées et
les sollicitations dynamiques rencontrées sur les appareils en exploitation.
A partir de cette simulation l'essai a permis :
‘h 1°) de mettre en évidence les parties les plus fragiles et vulnérables de la structure qui se manifes-
' tent par l'apparition de criques, d'ébranlements, matages ou déformations.
20) de contrdler Ll'évolution des endormagements.
39) de définir des solutions permettant d'arréter 1'évolution de certains endommagements avant qu'ils
prennent un caractére pouvant entrainer une rupture 3 progression brutale.
Les solutions pour arréter la progression sont :
a) Changement de 1'élément défectueux
b) Renforcement dans 1l'esprit d'une réparation pouvant se faire en exploitation.
40) de prévoir la période de la vie de 1l'appareil 3 laquelle risquent d'apparaitre les endommagements
et de définir les fréquences de contrdle de la structure ou de remplacement des éléments.
3 ~ DEFINITION DE LA STRUCTURE ESSAYEE :
L'ensemble de la structure essayée est défini sur la figure 1. Il comprend essentiellement : )
~ La barque avec le plancher cabine
- La partie centrale supportant le plancher mécanique
- La verriére qui a une influence non négligeable dans la reprise du moment de flexion théoriquement .
repris par la poutre de barque
~ La partie intermédiaive (appelée niche 3 chien) qui assure la liaison avec la poutre de queue .
- La poutre de queue }
i - L'ensemble dérive-fénestron } 3 g
‘ i s
) Pour information : Pour la Gazelle, dont la masse maxi au décollage est de 1900 kg, la structure seule o
i représente 160 kg. 2
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PREPARATION DE &'ESSAI :

Le schéma de la figure 2 nous irdique l'ensemble des opérations d'études de mesures et de préparation

nécessaires pour aboutir 3 L'essai proprement dit et & son exploitation. Nous allons définir les points
les plus caractéristiques de ce schéma.

4.1 - Spectre de vol :

Le spectre de vol définit l'~nsemble des configurations rencontrées dans un vol type d'une heure.
Certaines de ces configurations, combinées aux sollicitations dynamiques, peuvent avoir un effet
endommageant sur la structure.

La répétition de ce spectre sera effectuée un nombre de fois suffisant pour couvrir la vie
maximale d'un appareil compte tenu d'un coefficient de dispersion adopté.

Le spectre de vol servant de base d tous les calculs d'endommagement sur les piéces mécaniques

de la Gazslle et qui a été utilisé pour l'essai de fatigue a été établi 3 partir des observa-
tions effectudes sur trois appareilu militaires choisis pour trois genres différcnts de missions:
tactique, de liaison et technique (eaole-radio). Les pourcentages de temps dans chaque configura=
tion ont été établis statistiquement 3 partir des informations fournies par les trois appareils.

Ce spectre de vol couvre l'ensemble des utilisations civiles et militaires exceptiun faite des
utilisation agricoles et de débardage (travail d 1'élingue).

4.2 = Collecte des informations intéressdnt les essais :

Les informations permettant de connaitre les efforts de vol appliqués 3 1'hélicopiére sont extrai-
tes, d'une part des résultats d'cssais en vol, d'autre part de calculs définissant les efforts
aérodynamiques et les &quilibres au centre du rotor principal.

La connaissance des efforts de vol en essal se fait essentiellement par 1'intermédiaire 4'équipe-
ments extenscnétriques étalonnés et d'accélérométres.

Les postes ex*ensométriques permettent de connaitre directement les efforts ou moments appliqués
aux points caractéristiques de la structure. Ils peuvent &tre reconduits sur la cellule d'essai
pour vérifier l'équivalence des chargements.

Les niveaux vibratoires mesurés en vol dans les zones estimées les plus représentatives ont &té
réproduits sur )a cellule d'essai avec une fidélité jugée satisfaisante.

2z

Sur la Gazelle les postes de contrainte exploités ont été :

- les postes de moments en lacet et en tangage d l'encastrement de la pouvre de queue

- lec postes en traction sur chaque branche des "vés” (barres de fixation) de la boite du trans-
rission principale (BTP)

un poste de flexion en battement sur le tube longeron d'empennage

~ un poste de flexion en tangage sur la poutre de barque

- un poste en traction sur une bielles de la platine souple sous la BTP.

1

11 faut préciser que tous ces postes de mesures ont essentiellement pour but de contrdler la
mise en charge en essal et non de permettre l'aralyse de contraintex dans des zones précises
de la structure. Pour ces analyses ponctuelles des essais locaux sont plus appropriés.

4.3 - Mise en charge de la cellule d'essai :

La mise en cb »ge a &té effectuée sur une cellule lestée 3 une masse moyenne d'utilisation de
1550 kg av centrage moyen.

En plus des efforts afrodynamiques et de manoeuvresintroduits pur le rotor principal, le rotor
arridre et 1'empennags, la structure est soumise aux forces d'inertie dues aux accélérations
linéaires et angulaiiss induites par les efforts de m.noeuvre. L'application sur la structure
des efforts 2'inertie va nécsssiter la mise en place d'un systéme de chargerent qui doit tenir
compte di. la répartition sdas masses et de la position du centre de gravité de 1'ensemble des
macses constituant l'appareil. Le document de base pour cette opération est le document de
masses et centrages qui détaille les masses de l'appareil en suffisamment de points pour tracer
les courbes d'effort tranchiant et de moment fléchissant sous charge statique (accéléraxion
linéaive unitaire vers le bas)sur toute la longueur de l'appareil (voir figure 3)

ey
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FIGURE 3

Four les ancélérations angulaires unitaires en lacet et en tangage on établira &galsment las
courbes d'effort tranchant et de moment (voir figures 4 et 5).

Les courbes unitaires de chargement massique et d'inertie étant é&tablies, la phase préparatoire
suivante consiste & définir le procédé de chargement en laboratoire qul reproduira le plus fiddle-
ment possible les courbes définies précidemment,

11 est souhaitable d'avoir un minimum d> points de chargement pour ne pas alourdir 1'essai.
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Sur la structure essayée le nombre de points de chargement &rvait : (figure 6)
6 points pour les efforts massiques et d'inertie ,
3 points pour les efforts aérodynamiqueg
2 points pour les charges d'atterrisseur
Pour le rotor arridre et l'empennage, les efforts adrodynamiques seront mixés avee les efforts
massiques et d'inertie.
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Aprés avoir défini les grappes de chargement on peut établir les équations de chargement d'essai
sur chaque =érin qui sont de la forme :

a) Pour lec chargements verticaux :
Fz = ATz + B ny ( - Fz aérodynamique pour le chargement de 1'empennage)
b) Pour les chargements latéraux :

Fy = C 72 (+ Fy de manoeuvre ou d'équilibre pour le rotor arriére)

NOTA : T = étant le coefficient d'accélération linéaire
i AN i . Pz a s .
™ = étant le coefficient d'accélération angulaire

Pour la dérive, dans l'essai qui nous intéresse, seul l'effort aérodynamique a été appliqué.

Pour les charges appliquées sur les atterrisseurs, lés efforts définis par l'analyse d'essais de
chutes étaient donnés numériquement.

Les efforts aérodynamiques et de manoeuvre d'une part, les facteurs de charge d'autre part

étant définis, on peut connaitre les efforts sur chaque vérin et vérifier 1'équilibre de 1'appa-
reil au centre du rotor principal en le comparant aux efforts thforiques définis par le

Service Aérodynamigue.

Ctest d'aprés cette vérification des &quilibres que les efforts ont &té communiqués au laboratoire
d'essai qui a lesté la cellule et mis en place les grappes de chargement.




107

5. PRESEQTATION DE L'INSTALLATION D'ESSAI REALISEE AU CEAT

L'installatiop d'essai de fatigue de la cellule de 1l'hélicoptére SA 341 "Gazelle" a &té congue pour
permettre la sinulation des différentes sollicitations exposées précédemment, qui s'exercent sur la
structure pendant le wvol.

Un ensemble d'acquisition permet de vérifier la validité de l'essal en effectuarn: des mesures périodi-
quement. Ces mesures sont ensuite comparées 3 celles qui ont &té effectuées sur les prototypes lors des
campagnes d'essais en vol et qui ont permis d’établir le programme d'essai.

S.1.

5.2.

Description de la cellule essayée et de son biti de chargement

La cellule est coustitude par une structure de définition série qui ne comporte que 1'ensemble

des éléments travaillants. Les portes, les capots et les carénages ne soni pas montés. La majorité
des organes mécaniques sont remplacés par des outillages qui permettent 1'introduction des efforts
et qui ont la méme masse que la pidce réelle.

La cellule est lestée de fagon 3 représenter les différentes masses emportées (pilotes, passagers,
équipements, frét, kérozéne...). Elle est suspendue au bati d'essai par 1'intermédiaire d'un faux
mat retor (planches 1 et 2).

Afin de permettre l'excitation vibratoire de la cellule sans transmettre les vibrations 3 l'ensem-
ble du bati , un filtre a été réalisé, en utilisant des ressorts 3 compression d'élastomére, pour
relier le faux mat rotor au bdti (planche 3).

Moyens de chargement

Le chargement de la structure ast assuré par des vérins hydrauliques asservis soit en effort soit
en déplacement (vérins de vibrations).

Les vérins de chargement sont, pour la plupart, fixés horizontalement sur le sol et appliquent les
efforts au moyen de cables et de poulies de renvoi (planche 1).

Les vépins de vibration sont suspendus 3 un bati par une liaison trés souple.

La tige est fixée sur les fausses pales du rotor et le corps est libre (montage sismique) ce qui
permet d'introdulre des efforts relativement importants avec des sections de vérin faibles
(planche 4).

Les vérins de chargement (au nombre de 11) sont pllotés par des voies d'asservissement analogiques
congues et réalisées au CEAT,

Hove pression 2\'}:&

.-I Yérn
Pt

Copteur
dettore

¥
de_contren'e

Scniéma de princie dlne voe
d'assendissament on_effort

L'écart entre le programme et le signal du capteur d'effort 3 jauges de contraintes pilote, aprés

a@piification, une servo-valve déhit qui régule la pression hydraulique dans les deux chambres du
vérin.

Pour les vérins de vibration, c'est la positicn du corps du vérin qui est asservie. Le programme
est une sinusoide de fréquence 18,9 Hz et d'a-plitude constante.
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5.3. Systéme de commande

Le schéna c¢’-dessous montre les différents ensembles et leurs liaisons fonctionnelles.

opteurs
Imprimanta Multplexeur

ot §

Lectarde nbon Convertisseur

. N Coleuateur &
ou de cossattes Analogque Mumdrique e
e—
i je—
t

Stcurlté en affort

A 4

Convarticsaur Stuation du systdme
! Numéeave Mdogque
'
»
Asmarre Wpitre de
. Skautité sur Orgares
dhasservissement Commnde de
IAss ervissoment puissance
Véuns sheriths

Les voies d'asservissement regoivent les programmes &laborés par ua mini-ordinateur qui réalise
aussi une fonction de surveillance du bon déroulement de l'essai.

Le pupitre de commande délivre la puissance é&iectrique aux Qifférents organes, regroupe les
fonctions de séeurité, visualise L'état des différents systémes et rassemble les commandes qui
pemettent d'intervenir sur le déroulement de l'essai.

5.3.1. Le mini-ordinateur et ses périphériques

Le mini-ordinateur et ses périphériques permettent d'assurer la conduitc de deux essais de
fatigue simultanément. La conception générale et la programmation ont &té &tudides de
telle fagon que les deux inatallations soient totalement indépendantes.

Le calculateur est équipé d'une mémoire de 20 k mots de 16 bits.

Sont associés 3 ce calculateur :

« - un ensemble d'entrées - scrties numériques permettant les échanges avec le pupitre

une télétype par essai

- un convertisseur numérique ~ unalogique qui délivre les tensions programmes aux voies
41'asservissement

~ un convertisseur analogique - numérique et un multiplexeur capable d'acquérir 5000
nesures par secoade en bas et haut niveau

- un systéme de conditionnement de capteurs (efforts, pressions, contraintes).
Cet enserble assure trois fonections :

- la génération de programme

- la surveillance de l'essai

- le dialogue avec l'opérateur et les &changes avec le pupitre.
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Le calculateur posséde en mémoire la valeur des tensions programmes, pour toutes les voies,
3 chaque palder, Toutes les 50 millisecondes il effectue une interpolation et met & jour les
valeurs envoyées sur les voles par l)s convertisseurs numériques analogiques.

La capacité wémoire permet la génération de plusieurs cycles dont la durée peut atteindre
30 minutes avec une trentaine de voies d'asservissement.

Surveitlance de l'assai

A chaque palier de charge (et plusicurs fols par paliers lors de configurations stabilisées)
le calculateur commande une acquisition de tous les capteurs et effectue une comparaison avec
les valeurs théoriques qu'il a en mémoire (Les capteurs et leur chaine de mesure sont indé-
pendants de l'asservissement).

Etfort Survelllonce des efforts opoligués

Polier A

Sod T ertent e
S2

1Fal
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Pour chaque voie deux seuils, constants au cours du cycle, S1 (~ 5 % de l'effort maxi) et
B $2 (~ 10 % de 1l'effort maxidsont entrés en mémoire.

~ 81 |Mesure - effort théorique| < §1 le fonctionnement est déclaré correct.
~ 8i 51 % |Mesure ~ effort théorique| < 52 le calculateur édite un message sur 1'imprimante.
§

- 81 |Mesure - effort théorique|> $2 le calculateur déclenche la séquence de sécurité qui
comprend :

. la coupure de la puissance hydraulique

. le retour 3 zéro des tensions programmes

i . la sortie sur l'imprimante du type de défaut, du numéro de cycle, de l'instant, du numéro
de la voie en défaut et de la valeur de toutes les mesures & l'instant du défaut.

>

Le dialogue se fait essentiellement par la télétype qui informe l'opérateur sur le déroulement
de 1l'essai (numéro de cycle, cadence de fonctionnement, mesures effectuées ou défauts consta-
tés) et fournit au calculateur les données nécessaires lors d'un démarrage.

P 5.4. Les sécurités

$i la sécurité apportée par la surveillance par calculateur de la bonne application des efforts
est primordiale elle n'est cependant pas la seule 3 &tre utilisée.

Au niveau de la voie d!lasservissement on mesure le courant de commande de la servo-valve et on le
compare d un seuil, réglable pour chaque voie.

Ceci pemet de se prémunir contre un départ de la voie en toucle ouverte dii, par exemple, & une
rupture de la ligne de mesure du capteur d'asservissement.

Des sécurités électriques limitent lo déplacement de la tige des vérins ce qui pemet de déceler
&ventueliement un affaiblissement de la structurae.

Des sécurités mécaniques limitent de mani&re absolue le déplacement de la tige des vérins au cas
ol aucune des autres séeurités ne fonctionnerait.

Sus toutes lec lignes d'effort qui comportent des cdbles on utilise des limiteurs d'efforts élec-
tromécaniques qui déclenchent la séquence ¢3 séeurité an cas de dépassement de L'effort maximum
d'envirvon 10 %.

5.5, Avantages de cette instsllation
Cette installatior congue en 1972, différait radicalement de celles utilisées jusqu'alors au
CEAT par la prégence d'un mini-ordinateur. Celui-ci permet en particulier d'effectuer plusieurs
types de cycles différents avec un enchainement quelconque, d'effectuer des cycles trés longs saws
difficulté et d'augmenter la vitesse d'application des charges.
. Il permet surtout d’assurer une surveillance efficace des moyens de chargement en interrompant
» l'essal dis qu'un défaut est constaté,

6. DEROULEMENT DE L'ESSAI

L'essai de fatigue a débuté le ler Juin 1974 et s'est terminé le 24 Mai 1978. Au cours de ces quatre
années 8200 heures d'essal ont &été effectufes qui ont pemnis de simuler 20 000 heures de vol

6.1, Mise au point de l'installation

La mise au point a permis de reproduire en divers endroits de la structure des niveaux de contrain-
tes vibratoires trés proches de ceux qui avaient &té mesurés lors des essais en vol.

Ceci a &té obtenu en faisant varier l'amplitude et le déphasage des excitations vibratoires au
niveau de la téte rotor. Une représentation correcte a été obtenue en »:ilisant une excitation
verticale et une excitation horizontale déphasées de 140°,

6,2. Définition des cycles

4 cycles de vol qui comprenment chacun 30 configurations et 4 types d'atterrissages ont été
définis par L'Aérospatiale, Les cycles de vol différent entre eux par le sens des virages ou des
dérapages et par le centrage. Les atterrissages sont soit durs, soit souples, avec un centrage
avant ou arriére (planche 5).

Chaque cycle de vol représente 1/4 d'heure de vol. Les différents cycles de vol sont effectués en
pourcentage égal, un atterrissage suit un vol de méme centrage et un atterrissage Cur quatre est
dur.

e
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6.3. Déroulement de l'essai de fatigue

On peut distinguer deux phases au cours de cet essai de fatigue.

6.3.1. Eremiére tranche

Au cours de la premiére partie de l'essai, et pendant une durée de 2500 heures, les charges
appliquées ont &té égales aux charges rencontrées en vol et les configurations de vol stabi-
lisé ont été représentées de fagon & prendre en compte correctement l'influence des vibra-
tions.

6.3.2. Deuxiéme tranche

La premidre tranche d'essai ayant &té jugée trés représentative par rapport 3 des dommages
survenus sur des appareils en service, il a été décidé de ne pas accélérer l'essai par
augmentation des charges mais uniquement par suppression des configurations stabilisées ;
le niveau des excitations vibratoires a été augmenté de fagon & vespecter la concordance
des endommagements statiques et dynamiques dans le temps.

La suppression des configurations stebilisées a entrainé une accélération de l'essai dansun
rapport 3, 15.

A partir de 13910 heures de vol simulées et jusqu'd 20 000 heures les efforts appliqués ont
été augmentts pour représenter une masse de 1800 kg au lieu de 1550 précédemment.

6.4, Bilan des atterrissages

L'ensemble de cet essai a reconstitué 20 000 heures de vol pendant lesquelles 680C0 atterris-
sages ont &té réalisés, 8500 atterrissages introduisant sur le point de fization central de
1'atterrisseur arridre des charges supérieures aux charges possibles. En effet, lorsque la
charge centrale de la traverse arridére atteint 2700 daN cette traverse prend une fléche telle
qu'elle vient en butée au niveau de son passage 3 travers les deux poutres latérales de la
barque, déchargeant ainsi le point central. Cette flexibilité de la traverse arridre n'était
pas représentée en essai.
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Figure 7

‘7. ENDOMMAGEMENTS

La carte des endommagements est veprésentée figure 8. Les endommagements apparus en cours
d'essai sont classés en deux types principaux.

A

B

Les endom.agements pouvant avoir une incidence sur le bon comportement en vol de la structure
et sur sa résistance

Les endommagements mineurs, qualifiés ainsi car ils n'ont pas d'incidence importante sur la
résistance de la structure.

MR

3

A
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Figure 8

Endommagements pouvant avoir une incidence sur le bon comportement en vol de la structure et
sur sa résistance.

Trois catégories d'endommagements sont considérées.
: Les endommagements déjAd rencontrés en exploitation et reproduits en essai.
: Les endommagements apparus en exploitation aprés la fin de l'essai.

: Les endommagements susceptibles d'apparaitre sur la flotte des Gazelles.

- Endommagements déj3 rencontrés en exploitation et reproduits en essai (voir figure 9).

- Les silentblocs des vis de fixation de la boite de transmission principale. Ce sont des
éléments amortisseurs de vibrations qui se dégradent progressivement en conservant malgré
tout leurs caractéristiques mécaniques. En exploitation ces absorbeurs de vibrations sont
sounis 3 une procéduve de remplacement suivant état.
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En essai les endommagements sont apparus sensiblement au méme nombre d'heures de fonetionne-
ment : 700 3 1000 heures en essai pour 400 d 700 heures (7cas) en vol. On a pu conserver ces
silentblocs bien au-deld de l'aspect demandant la mise au rebut sans qu'il y ait de répercus-
sion sensible du comportement dynamique de l'ensemble de la structure.

2 - Axes de manilles des Vés de BRTP.

A2 -

1 -

Les axes ont été grippés au m@me nombre d'heures qu'en exploitation = 600 heures. La possibi~
lité de grippage ayant &té mise en évidence et confirmée une surveillance a été mise en place
pour ce point particulier.

Axes du cardan de liaison de la turbine et de la boite de transmission principale.

Ces axes ont montré des traces de cisaillement 3 des temps également proches de la réalité.
Dans l'essai ces axes endommagés n'ont pas été remplacés pour connaitre le degré de résistance
aprés encdommagement. Cn n'a jamais atteint la rupture.

N

En exploitation ces axes ont &té l'objet d'une modification qui a permis de supprimer 1'endom-
magement.

Reprise centrale de la traverse arridre d'atterrisseur. La cellule essayée a montré comme sur
les appareils en exploitation une zone fravile dans la partie centrale du cadre reprenant les
efforts verticaux introduits pour l'atterrisseur. Un renforcement mic en place sur les

apparells en exploitation a été -testé sur la cellule en essai. On a pu réalisar avec ce ren-

forcemsnt 28400 atterrissages dont 3550 3 un niveau supérieur au maxi possible sans endommage-
ment.

Dans la structure de la veine du fenestron, sous les pieds du tripode, des criques sont appa~
rues d 14000 heures de vol simulé. C'est le seul point ol 1'endommagement n'est pas apparu

3 un nombre d'heures de vol correspondant 3 la réalité, 1'absence de l'environnement dynamique
du rotor arriére en étant la cause la plus probable. Sur les appareils en expioitation, une
modification a été appliquée pour renforcer cette zone fragile. Cependant, l'endommagement
constaté en essal n'a pas évolué de fagon catastrophique entre 1400 et 2000 heures de vol
simulées. Cette constatation montre l'aspect fail safe de cette partie de la structure.

Endommagements découverts en essai et constatés plus tard en exploitation. (voir figure 10).
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Figure 10

Cloison arridre du réservoir de carburant. Plusicurs criques ont été découvertes apris

7135 hevres de vol simulées. [.eur développemert sans renforcement ni arrdt de criques a été
pratiquement nul. Cer endcmmagiment est 1ié au chargement &levé introduit par la fixation de
1tatterrisseur arriére sur la cloison.

Un cas en exjloitation a {48 Jétecté aprés 2000 heures de vol.
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2 - Fixations supéricures des montants de verridre sur la cloison arriére de la cabine.

Des criques sur les pieds de ces fixations se sont produites en essal 3 600 et 4266 heures de
vol équivalentes. Elles montrent que la verriére participe & la reprise du moment de flexion
qui est théoriquement repris intégralement par les poutres de barque. Volontairement aucun
renforcement n'a été appliqué jusqu'd la réalisation des 20000 heures.

Pour les appareils en exploitations une solution de réparation est appliquée dés la constata-
tion de 1l'endommagement.

3 - Sur la cloison arridre de la cabine au niveau des fixations des pieds du Vé avant de la Boite
de Transmission principale les nontants de la cloison sont criqués & 12685 et 19310 heures de
vol équivalentes. Il n'y a pas eu de réparation en essai et les criques décauvertes ne se sont
pas développées.

Un cas d'endommagement similaire a &té constaté sur un appareil aprés 1423 heures de vol. Une
réparation a été appliquée qui pourra &tre reconduite le cas échéant sur d'autres appareils.

A3 - Endommagements jamais obsexvés en exploitation mais susceptibles d'@tre détectés ultérieure-
ment (voir figure 11).

" INCIDENTS RENCONTRES EN ESSAIS ET"
POUVANT APPABAITRE ENJTiLISATIO!
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Les incidents les plus probables sont :

1 - Encastrement du cadre incliné de la verridre sur ld barque de l'appareil. Une crique a &:é
constatée en essai 3 6965 heures. Elle n'a pas eu d'évolution jusqu'a la fin de )}'essai.
2 - Liaison entre la cloison arridre de la cabine et 1a barque de l'appareil.

Cecte zone est trds chargée et il semble que la crique constate en essai se développe en
méme temps dans le gousset renfort et le revétement de la barque.

Sur le ¢Gté droit up début de erique a &té décelé 3 18G0 h.
Sur le cOté gauche, la crique a &té décelée & 5593 h.
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On a laissé les criques se développer jusqu'd la rupture de chaque gouseet. La vitesse la plus
rapide de propagation était de 2 mm pour 100 heures. La périodicité des contrdles est suffisa-
ment serrée pour que l'endommagement soit décelé avant qu'il soit trop important. Le nouveau
gousset qui a été placé sur le cdté droit a subi 15000heures de vol sans &tre endommagé.

3 - Liaison du revétement de la barque au cadre sous le siége pilote ¢3tés droit et gauche.

Dans cette zone le revétement a &té cloqué puis s'est criqué en dépliage. Les criques ne se
sont plus développées aprés avoir atteint le renfort de structure prévu 3 llorigine.

4 - Cornidre de liaison du couloir des commandes de vol avec le plancher cabine.

Plusieurs criques se sont développées & partir de 1900 heures. Aucun arrét de crique ni ren~
forcement n'a été appliqué jusqu'd la fin de 1'essai.

§ - Montant du cadre arriére de la cabine, sur le cdté droit, au niveau de la jonction avec la
barque.

Une corniére de ce montant s'est criquée au niveau d'un rivet 3 9300 heures. L'endommagement
paraissant inquiétant, un équipement extensométrique a été mis en place sur la nouvelle
cornidre mais les contraintes mesurées n'ont pas fait déceler un chargement anormalement
€levé. La nouvelle corniére n'ayant pas &té endommagée en 11000 heures de vol l'cndommagement
a été considéré comme un cas d'espéce et la fréquence de contrdle de cette zone est restée

la méme que celle de l'ensemble structure.

B - Endommagements mineurs

Ces endommagements ont un caractére aléatoire comparable a la dispersion de qualité dans une fabri-
cation., Ils ne sont pas considérés représentatifs de l'ensemble de la flotte des Gazelles.

Les origines de ces endommagements sont multiples :

a) Mauvaise découpe d'un contour créant une concentration de contrainte dans une zone chargée modé~
rément,

b) Arrét insuffisament dégressif d'un raidisseur sur une dme relativement souple.

¢) Mise en contrainte provoquée par le serrage de deux &léments rigides dont les faces d'appui ne
sont pas parfaitement planes.

Tous ces endommagements sont apparus relativement rapidement aucours de l'essai (moins de 7000
heures) et ne se sont pas développés par la suite, les concentrations de contraintes ayant dis-
paru.

Aucune action particulidre n'a &té entreprise pour surveiller ces points, les visites périodiques
de la structure étant jugées suffisantes. Par contre, une action de sensibilisation sur ces inci-
dents au niveau de la conception (dessin) et de la fabrication peut permettre de réduire de tels
défauts sur les études et réalisations nouvelles,

A ce jour aucun de ces incidents mineurs n'a &té enregistré sur toute la flotte des Gazelles.
CONCLUSION
L'essai d'endurance a montré une bonne tenue générale de la structure de la Gazelle lorsqu'elle est
sounise aux charges de vol et d'atterrissage définies par le spectre ALAT, spectre qui couvre l'ensemble
des utilisations civiles et militaires 3 1l'exception du travail a 1'élingue, La souplesse et la précision '
des moyens d'essais ontpermis d'obtenir des conditions trés proches de la réalité,
L'essal a reproduit les incidents déj3d rencontrés en exploitation, il a fait apparaitre d'autres endom-
magemerts, susceptibles d'8tre rencontrés ultérieurement en service. Troils cas d'incidents sur appareils
rencontrés précédemment en essai ont &té envegistrés.

les informations fournies dans l'essai ont aidé 3 la prise de décision sur les réparations 3 appliquer
et 3 la définitvion des périodicités des contrdles.

Aucun des endommagements mis en évidence n'a présenté un aspect catastrophique.

Il apparai: que, du fait des possibilités offertes par les moyens mis en oeuvre, ce type d'esszi est
sarfaitement adopté pour les appareils de petit et de moyen tonnage, et apporte une grande quantité
d'informations exploitables directement pour les appareils, v
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SPECTRE DE VOL

— CeMTIge AR CENTIqC AV
CYCLE *1, noure h, houre W, héure W hevre .
| config uration m m m m_&
I 1| Stationnalre HES 30 30 30 30
g 2 [Montée @ W maxi \erticcle | 10 obligue | 10 Verticale | 10 oblique |10
3 |Vol arriére ¥i maxi 20 29 20 20
, 4 [Départ vol avant ol oidre 10 10 10 10
5|Vl transition 30 30 30 30
{ ¢ Mrage aVi transition(159) 7 7 7 7 §
7 {180 Km/h 95 95 95 95 ;
8 |virage a 1B0Km/h {1,75g) 7 7 7 7 |
9| 235Km /h 110 110 110 110
0Dérapaged 235KmM (o) fa droite] 9| |agauche] 9] |& droite 9| légauche| 9 ‘
11 [Virage & 235Knvh (175 ¢ 7 7 7 7 .
2| 27 Kmm 100 100 100 100
! 13 {Virage 8247 Kmvh {1,5¢) 7 7 7 7 ’
14 [Dér paged247Kmvh (45} |3 roite 9] {dgauche] 9| |ddrite] 9] ligauche] 9 "
15| VNE 55 55 55 55
6|virage & 247Kmvh (1,759 7 H 7 7
17|0eropoge 27 Km/h (JS) [agache] 9| [a droite| 9| [dgaudel 9] Bdrotte | 9
18| 235 Km/h 110 110 1'0 110
19 |Virage & 235Kmv/h  (2g) 7 7 7 7
0| Dtrapoge @ 235 Knvh(M0)|& gauchd 9| |ddrolte 9] |&gauche g1 |odmolte 9
AN 21| 180 Km/h 90 90 g0 90
) p2Mirage & 10K {29) 7 7 7 7
R3|Dkroge 180 Kvh (10] & gauche 91 |d draite 9| |agauche 91 ladepite
R4 Vi transition 30 30 30 30 l
pSiVirage & Vitransitlor(159 7 7 7 7
R6|Approche 30 30 30 30
R71Acr 8t devirage statbinnalreld drol te 7| |G gauche 7] |a droite 7} |dgauche | 7
28| Vol latéral Q droite | 30| pgache | 30) [adrolte] 30| lagauche |30
P9 Flare 9 9 9 9 ‘
ho| Stationnalre DES 30 30 30 30 '
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SUMHARY

Pelicopter gearboxes have berefited from improved materials and from new design concepts. However, in
the design arena, exhaustive testing to verify that we achieve reliability, maintainability, and safety
objectives remains the Xey to a successful product. Overstress testing and the methods vsed to design
the gearboxes to meet these overstress test requirements are the key issues. A gearbon designed for
migsion rel:sbility will most likely have an uracceptably high risk of not passing an accelerated test.
This paper discusses the types of tests Siko..ky uses to qualify new gearboxes to provide reliabality
in the field. It also discusses the test approaches taken and the differences in acceptance criteria
used by the varirus certifying agencies, the ramifications of overstress testing, and the reliability
assessment used in the design of a modern helicopter gearbox.

INTRODUCTION

Each of the various certifying agencies for helicopters has its own unique test requirements and test
criteria for helicopter transmission qualification., In the process of developing a helicopter trans-
wmission system, the manufacturer must incorporate these requisite test elements into his own overall
test plan to satlsfy both in~house and certifying agency needs. The ability to interpret the results
of a variety of tests and to substantiate the safety and cost attributes of the transmission system
becomes a difficult but essential task. These test requirements range in load severity from normal
operating conditions to 140%% overload. In many instances, the criteria for passing the qualification
test is not clearly defined for such items as bearing spalls, gear scoring, scuffing, *ear, fretting,
and other transmission associated phenomena which are largely a matter of degree. No standardized
acceptance or rejection criteria exists for these conditions in current specifications. Yet, one must
pass the test successfully to get approval from the responsible approving agency to permit sale of the
product. Without standardized acceptance or rejection criteria for these degraded conditions, the risk
is imposed on the menufacturer that test results will be arbitrarily rsvuluated late in the test pro-
gram. This risk is unnecessary because thn mechanics of overstress ‘esting are und.rstood as they
relate to posi~test gearbox condition.

Almost all qualification festing can be classified as accelerated testing because either loads exceed-
ing those experienced in service, or a spectrum of loads favoring nigh flight load cenditions, are im-
posed during the test program. Accelerated testing at loads aboye those experienced in service offers
a quick method for uncovering and resolving potential transmiss.on failure modes early in a program.
However, certain characteristics associated with accelerated testing muet be understood in order to
take full advantage of this test technigueé. Loads above der.ga levels often create stresses that are
not linear with load. Increased deflections froc thes: .verleads create load-shifts that generally
accelerate stiesses on critical gear and bearing contuct surfices. We can relate the effects of the
overload to normal operating ceaditions once we understand tie mechanism of failure associated with
these overload conditions.

Consideration must also be givea to the relationship betwee: design, safety, and operational reli-
ability requirements and the probability requirements associa.ed with passing an overload test. Once
these unique characteristics are fully appreciated and undersvood, overstress testing can be ased as a
highly useful tool for transmission system development. By cwusidering the requirement to pass the
qualification test as pav of the design criteria, the probuzhility of pascing this test can be in-
creased to acceptable riuk levels. This increase in reliability can often be achieved with minor
weight penalties. For example, on the Sikorsky S-76 Helicopter gearbox, we added only ¥ pounds out of
639 pounds to achieve a 95% probability of passing the 140% Bratich (CAA) qualification test, whereas
the probability of passing the test prior to the addition of 8 pounds was 75%.
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QUALIFICATION TESTING

The type of qualification testing required for a helicopter transmission depends upon which agency has

cognizance over the certification for flight; and the manufacturer's concerns for safety, cost of opera~
tion, and cost of production.

The ¥. S. Army, U. S. Navy, FAA, CAA, and the helicopter industry all have different test requirements

ranging from extreme overstress conditions to testing that only accelerates the mission spectrum slight-
ly. Tiedown testing, illustrated in Figure 1, which is required for substantiation by the U. S. Army

and the FAA, is the test that imposes the least severity on the transmission system. This is because

the engines powering the tiedown helicopter are the engines used on the flight aircraft and they are

not capable of generating more than their maximum output power. Since gears and shafts for the trans-

mission system are designed for unlimited life at these conditions, this test is not a severe environ-

ment for them. However, the prorated bearing load in the FAA tiedown test is higher than the prorated

load for the mission spectrum shown in Figure 2, resulting in a bearing life reduction factor greater

than three for the Sikorsky $-76 Helicopter shown in Figure 3. Consequently, we must consider the

effect of the test life reduction factor during the design phase to preclude premature bearing failure.

267 HOUR 140%
/CAA FATIGUE 1 38T

1404~ — — ——— -

203 HOUR FAA
SERTIFICATION

TEST
PERCENT
TOTAL
INPUT
HORSE
POWER
S78 MISSION (S
[
1 [] 1 ] ] 1 1 /] 1 ]
0 10 20 30 40 50 60 70 80 90 100
CUMJLATIVE PERCENT TIME
Figure 2. liorsepower Histogram Figure 3. SpiritTH

for tne S-76 Heiicopter

Figure 2 also shows that the CAA test requirement is 140% of input power for 10 million cycles. This
test specifies the highest load conditions required by the various certifying agencies and :s conducted
for a total time equivalent to 10 million cycles on the slowest operating component. The CH-53E Super-
Stallion Helicopter transmission was substantiated for Navy requirements set forth in Specification
AS-3694, vhich calls for 120% of maximum input power for 15 hours of a 150 hour qualification test.
Figure 4 shows the CH-53E test requirements versus mission requirements. Figure 5 shows the severe
200-hour overstress test conducted on the Army BLACK HAWK transmission system
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for the CH-S3E Helicopter

Figure 5. Horsepower Histogram for
the BLACK HAWK Helicopter

The CAA, U.S. Army and U.S. Navy tests are all conducted in transmission regenerative or power-
absorption test stands, which have the capability of applying the correct power-torque-speed rela-
tionships to duplicate and accelerate actual aircraft operating conditions. A typical transmission
regenerative test stand is shown in Figure 6.

Figure 6. CH=53 Kegenerative Transmissicn Test Stand

Sikorsky performs two basic types of tests to qualify helicopter gearboxes for production: bench tests
and 1integrated systems tests. These are illustrated in Figure 7. Bench tests include component fa-
tigue tests, no-load lubrication tests to confirm lubrication through full pitch and roll axes excur-
sions, gear pattern development tests, overstress tests, and qualification tests. Systems tests in-
clude aircraft tiedown tests and flight tests. Systems tests monitor the performance of the trans-
mission system as it interacts with the other aircraft systems. The most important aspect of the
tiedown test is that it minimizes the risks associated with preproduction flight tests. Continued
follow-up and evaluation of gea.bux service history completes the feedback loop that relates design,
test, and field performance.

QUALIFICATION REQUIREMENTS

Completion of a qualification test without apparent difficulty does not in itself qualify a gearbox.
Careful disassembly, visual, dimensional, and non-destructive inspections (NDI) must also demonstrate
successtul results. A critical review then compares the results of the test and the inspections with
the test criteria and with the loads the gearbox will experience in service.

Any severe degradation in gearbox condition is reason to withhold qualific.tion, for example, a fatigue
crack, heavv fretting of fatigue loaded components, or major wear of component mating surfaces. The
intent of these 1inspections is to determine any non-detectable modes of failure that were generated
during the tests. Cracked gear shafts, cracked teeth, or wocn bearing rolling element retainers
(cages) are examples of non-detectable failure modes. The criteria for bearing acceptance at the
completion of testing depends upon the certifying agency. The U. S. Navy will not consider any gearbox
qualified that spalls a bear.ng during the qualification test. Such a disqualifying spalled bearing
is shown in Figure 8.
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Figure 7. Helicopter Gearbox Tests

Figure 8. Typical Bearing Spalling Fatigue

The CAA, however, does not consider a spalled bearing as cause for rejection. This philosophy is based
on the understanding that the condition of the bearing is monitored by chip detectors and does not
represent a threat to flight safety. The same reasoning can be applied to the pitting and scoring of
gear teeth, and 1f these conditions occur during qualification testing, the implication of unaccept~

ably low durability in service must be evaluated.

The test prorate power versus operational prorate

power, maximum power compared with gearbox rated power, gearbox test temperature, lubricant used, and
time between overhaul (TBO), are dominant considerations used to evaluate service durability. Table I
1llustrates some of the qualification test acceptance factors used by the various certifying agencies.
The question marks indicate those conditions that may or may not be acceptable depending upon their re-
lative severity at the end of the tast.

Table 1. Qualification Test Acceptance Factors
QUAY, TEST ACCEPTANCE TACTORS
SPALLED SCORED BROKEN FRETTING FRACTURES
BEARING GEAR TEETH GEAR TEETH BETWEEN SURFACES
LIGHT HEAVY
FAA ? ? NO YES NO NO
CAA% YES YES NO YES YES . Mo
U.S. NAVY NO NO NO YES NO NO
U.S. ARMY NO ? NO YES NO NO
‘o ? ? NO YES NO NO
*NOTE: CAA test is essentially a gear fatigue test and other para-

meters are of secondary importance.

GEARBOX STRUCTURAL INTEGRITY

Helicopters built by Sikorsky have compiled an impressive record with Yegard to the lack of major pro-
blems associated with their transmission systems. Figure 9 shows the increase in mean time between

removals (MTBR) for main gearboxes from a helicopter where the gearbox malfunction caused damage to
the airxcraft.
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Figure 9. Mean Time Between Removal Associated with Forced
Landings from Main Gearbox Causes

Improvements 1in analytical design methods, use of improved materials, application of advanced test
techniques, and expanded field service follow-up contribute to the increase in this gearbox MTBR.

Gearbox structural reliahility expected in service can be estimated with a high degree of confidence
because the fatigue properties of primary gearbox components are understood. For example, if the
component or system successfully completes its test at a stress level 40% above the normal usage level,
a reliability associated with three standard deviations has been demonstrated for this one sample.
This can be shown as follows:

Test Load Level _ _ 1
Usage Level 1 -3y

where 3 represents the number of standard deviations from the sample mean associated with an acceptable
survival probability and » is the statistical coefficient of variation. This coefficient for aircraft
steel components is usually between 9 and 10%. Substituting a value of 9,5% in the above equation
gives

Test Load Level _

1 =
Usage Level T =3 (L0u5)” 1.40

Thus, 1f we successfully conduct a test at 1.40 times the maximum expected service load, we demonstrate
a structural reliability representative of three standard deviations. However, passing a highly accel-
erated test should not be construed as a demonstration of suitable long term wear out characteristics.
We can only demonstrate this characteristic after a fleet of aircraft operate in the field for several
thousand hours under mssion conditions. A single accelerated test in a transmission test stand proves
the structural integrity of the gearbox from the standpoint of flight safety but is not conclusive
enough from a long term reliability standpoint. There are several reasons for this. First, the sample
s1ze 1s too small for the test components to be truly representative of future production juantities.
Second, the extreme acceleration factors make it difficult to extrapolate data from the limited number
of test hours to estzblish time dependent or wear associated failure modes. And third, the environment
in a test stand does unot duplicate the aircraft environment in all respects. This is especially true
for vibrations indaced into the gearbozes from the aircraft rotor head, ground-air-ground cycles, hot
oil effects, and creep of castings.

An analytical method for estimating veliability is the distribution - interference technique. If the
strength distribution of a component is known, or assumed, and the loads are expressed by a distri~-
bution which can be adequately described by a mean value and a standard deviation, the probability of
passing a given test, or the reliability of a design with respect to a given usage spectrum can be
determined using probabilistic analysis. Figure 10 shows the distributions of stress and strength for
a typical component. It can be seen from Figure 10 that the probability of failure increasea in over-
stress testing unless the strength of the component is correspondingly increased.

By subtracting the stress distribution from the strength distribution according to probabilistic
theory, a tuird distrabution results which represents the component or system structural margin. This
is illustrated in Figure 11. The area under this distribution from zero to infinity represents the
probability of passing a given test or the probability of surviving the given usage spectrum.
Sikorsky's approach is to have a 95% probability of passing such tésts.
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ACCELERATED TESTING

Accelerated testing at loads grester than those experienced {n normal flight has long been used in the
aerospace industry during aircraft development programs, The major advantage of accelerated testing is
the reduced cost associated with the reduced test time required to substantiate the component being
tested. At loads high enough to produce fractures, ac clerated testing exposes the gearbox modes of
failure and enables us to implement required corrective actions, This technique allows us to remove
the weak links from the system and helps develop a higher~strength assembly in a relatively short
pericd of time. Shafts and gears in a helicopter gesrbex are classical examples of parts subjected to
bending fatigue. Accelerated testing also substantiates these critical comporents for their classical
fatigue modes of failure.

We use accelerated testing ag a basic tool to gain confidence in 2 new helicopter transmission design
during its early development stages. If the results of overstrsss and endurance testing arxe to be
fully appreciated, it is necessary that quality controls make certain that production flight hardware
is equal in quality and strength to the items tested. Consequently, any change in manufacturer or

manufacturing processes during production that involves previously qualified pacts requires requalifi-
cation of the parts invelved.

Accelerated tests can be run at a pingle high load level, or to a spectrum of loads that exceeds the
normal usage spectrum. The relative severity of the test spectrum can be determined by reducing the
spectrum to its prorated value. This provate is a single value that is derived on the basis of equiv=-
alent life. Tne spectrum prorate can be calculated by:

1

a a
P =Z [Pi 9y ("i/")]
i

where P, is the ith load, 9 is the percent usage at this loud level, n, is the rpm, a is the
slope of the S-N curve, and n 1is a reference speed.

We find the prorated load for bearings by assuming that all loads are damaging to some degree. Gears
and shafts, however, depend upon the specific endurance limit load of the component gince loads below
this value are assumed to be non-damaging. The load acceleration factor can be estimated by

. . Test Prorate
Load Acceleration = Hission Prorate
Another factor considered in component design and in the preparation of a fatigue test spectrum is the
fluctuation of loads, or stresses, between the peak value and the minimum value that occur duzing the
course of a flight., These stress cycles often occur at very low frequencies (as low as one cycle per
flight) and are superimposed on the high frequeacy cycles. We cormonly refer to these as GAG (ground-
air-ground) cycles.

All parts of an aircraft that are repeatedly stressed and unstressed are subjected to GAG cycles, and
must be analyzed accordingly. This is an important consideration in overall component reliability and
one that was sometimes neglected in the past. For example, aircraft used in the logging business expe-
rience torque variations of plus or minus 40% in 5 minutes, occurring 12 times an hour, and low cycle
fatigue is critical,

SPECTAL CONSIDERATIONS FOR ACCELERATED TESTING

Gear performance is affected by accelerated testing in more subtle ways than by their exposure to an
increase in stress. High power transmission spur gears, for example, have the drive side tooth pro-
file modified from a pure involute form to account for tooth deflections, and to provide smooth trans-
ition of load as the teeth enter mesh and leave mesh. This profile modification reduces tooth accel-
erations to 2 minimum, resvlting in lower dynamic loads, lower stresses, and reduced vibration and
noise. Since tooth profile relief is exact only for one load, overstress testing of these teeth will
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reintroduce discontinuities in the load curve and result in increased stress, vibration, and noise.

Spur gears are sometimes ground with helix correction across the face of the tooth to allow for rela-
tive deflections between mating gears at the design load. This helix correction, like profile modifi-
cation, is based on the design power and assures that ioad will be uniformly distributed across the
face. Operation at loads in excess of the design loads can result in a maldistribution of load across
the tooth face. Straight spur gears are very sensitive to end loading, and overstressing can lead to
scoring, wear, and even tooth breakage. This situation is even more damaging on high contact ratio
designs, which because of their inherent weaker individual tooth form, are more sensitive to over-
stressing than standard contact ratio geaxs.

Sikorsky uses experimental stress techniques as an integral part of the design/test philosophy to
support our gearbox design effort. _Figure 12 shows a section of a large high power spur gear with
strain gages mounted on the tooth back-up rim. This test helped determine the distribution of the
non-uniform load across the face width ot the gear teeth, and helped provide the requisite lead cor-
rection to balance the load distribution.

STRAIN GAGES

NON-UNIFORM STRESS EVEN STRESS
DISTRIBUTION DISTRIBUTION
BEFORE CORRECTION

TEST s

Figure 12. Experimental Stress Techniques Support Design

Spiral bevel gears are also sensitive to running for extended periods of time at loads in excess of
design loads. Excessive tooth deflection and shaft misalignment caused by the higher loads drastically
alter the tooth contact patterns of spiral bevel gears. Experience shows that most spiral bevel gear
tooth failures can be traced to poor full-load contact patterns.

The British CAA recognizes the fact that overstress testing shifts gear patterns and allows the pro-
spe.tive qualifier to increase the profile modifications or lead corrections of the gear teeth to the
point where the stress distribution is proportioned to the load distribution. This is an overstress
test that qualifies the component for fatigue in normal operation. It does not predict the structural
integrity of the part for momentary overloads. The British also permit other gearbox modifications to
be used during overstress testing. such as the use ox heavy weight oil, reinforcement of critical hous-
ing areas to reduce deflections and gear profile or helix modification. All of these reduce the
non-linearity of stress with load to a more linear situation.

Another consequence of accelerated testing is the possibility of fretting between bolted connections on
dynamic components. Figure 13, (Reference 1) shows how a stress/slip condition in 2 bolted connection
can lay within various regions of operation depending on the vibratory stress and the relative motion
between the parts. Ir region I, no failures occur. 1In region II, the surfaces of the bolted parts
will be crazed with millions of microscopic cracks that will not propagate in service. Most of the
bolted connections used in helicopter transmizsjons probably fall into these two regions. In region
III, one of the microscopic cracks will even.ually propagate to failure. It can be seen trom this
figure how a significant increase in ‘oad can shift the operating point from region II to region IIJ of
the curve by inducing higher stresses and by increasing relative motion.

Antifriction bezrings are used on all shafts of the typical helicopter gearbox. Bearings are one of
the few trausmission components which are designed for a finite or predicted life., Design Ll.fe is
based on .he industry accepted Lundberg-Palmgren theory for ball and roller bearings, which considers
the Hertz.an stresses at the rolling contacts and relates the magnitude and digtribution of the
stresses tc a calculated life. In recent years, life adjustment factors have been used to account for
improvements in bearing materials, elastohydrodynamxc (F}3) lubrication, and the a2ffect of misalignment
or deflection.
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Figure 13. Stress versus Slip Fretting Curve

Figure 14 illustrates the life reduction factors that result from accelerated tgstiqg of a typ?cal
helicopter roller bearing considering the effects of load, misalignment, and lubrication film thx?k-
ness. Examination of Figure 14 shows that load is the predominant influence on bearing life during
accelerated testing. However, all factors contribute to bearing failures during overstress tests.

NAVY =1 1 GAA LUBRICATION FILM
10~ )4
8~
4

LIFE 61N\ |, MISALIGNMENT
REDUCTION | :

FACTOR -4-: 33
2 LOAD
0 ) L] R L}
1014 20 3.0 AG 5.0
1.2

MAXIMUM TEST LOAD FAGTOR

Figure 14, Bearing Life Reduction due to Accelerated Testing

With high test load factors, the reduction in life of a roller bearing due to edge loading at the
roller end becomes significant and eventually exceeds the life reduction factor due to load. Design-
ing the roller crown for the accelerated test conditions is not practical because the reliability
of the bearing under normal conditions would be reduced. Another factor we must consider with accel-
erated vesting is secondary damage caused by bearing creep that is defined as rotation of the bearing
inner racs with respect to the shaft. This damage is usually in the form of shaft wear or failure of
retention devices. Designing for no bearing creep at accelerated test conditions would certainly
result in a weight penalty.

Sikorsky designs for no creep at maximum continuous power using a combination of the two-ring press fit
equation and an experimentally derived factor applied to the twi~ring equation. Figure 15 shows the
generalized relationship among power, assembly fit, and creep. No creep takes place below 100% power;
creep is possible between 100% and 125% power, depending on the actual part dimensional tolerances; and
creep probably takes place above 125% power. Less than 2% of aircraft mission time is spent above the
possible creep level while 45% of the qualification test time is conducted above the possible creep
level.
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Figure 15. Relationship between Power and Bearing Race Creep

The reliability of a gearbox is directly related to the reliability of its gears and bearings. There-
fore, accelerated testing will clearly influence the probability of passing a gearbox development test.
Figure 16 illustrates the dramatic effects of acceleration factor on the relative reliability of gears
and bearings. Figure 17 compares the probability of successfully passing an overstress test with the
probability associated with test times at mission powers. When a gearbox is designed for a mission

spectrum and is subsequently subjected to an overstress test, a substantial risk of not passing the
test exists,
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Figure 16, Maximum Test Load Factor versus Component Relative 3
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Figure 17. Probability of Success During Overstress Test
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Regardless of all the ramifications of overstress testing, it still is the one most useful tocl in
transmission system development testing. It now remains to communicate to the procuring activities
the aforementioned considerations and to evaluate test results accordingly. The Sikorsky S-76 gearbox
achieved a 95% confidence level for passing the CAA 140% overstress test without a tooth fracvure by
adding only & pounds out of the total gearbox weight of 639 pounds. This small additional weight

substantially reduced the gear tooth stresses during normal operation and added to the reliability of
the gearbox.

For new designs, the test spectrums (whether overstress or at design level) must be considered a design
condition and their effects on cost and weight must also be evaluated. The minimum acceptable pro~

bability of passing the overstress test must be determined, and this probability must then influence
design.

CONCLUSIONS

1. Overstress testing is a highly useful tool in the development stages of a new helicopter trans-
mission. Advantages are:

. Determines potential failure modes

. Substantiates fatigue strength

. Provides confidence in the design

. Accelerates redesign to eliminate "weak links" in the system

2. Tests at highly accelerated loads produce non-linear increases in stress, and action must be taken
to counteract the effects of increased deflection.

In gears:
. Misalignmants cause pattern shifts that concentrate gear tooth loads.
. Tooth profile modifications are correct for one load condition. Higher loadc create tip
interference that leads to scoring and tooth breakage.
. Lead modifications used to correct tooth misalignments are made for one load level. End

loading results in concentrated stresses and leads to tooth fracture.

In bearings:

. Load is the predominant influence on bearing life during accelerated testing.

, Roller crowns may not be sufficient to prevent roller end loading at overload con-
ditions.

. Accelerated load causes race "creep" on shafts when test loads are higher than the creep
threshold

. EHD films are reduced by overloads

3. The transmission designer must consider the overstress test spectrun as a deslgn condition for
must-pass tests,

4. The total stress versus torque versus rpm attributes of each element of the gearbox nver the

planned torque testing levels must be quantified and accounted for priox to the conduct of any
overstress test.

5. Clear definitions of acceptance criteria must be negotiated with the certifying agency when accel-
erated testing is nsed as a qualification test.

6. The helicopter industry and the certifying agencies need to establish a helicupter gearbox test
specification that includes standardized acceptance test criteria.

Refevence (1) Nishioka, K, etal. "Fundamental Investigations of Fretting Fatigue", Bulletin of Japanese
Society for Mechanical Engineers (JSME). Part I, Vol II, Ne 45, 1968, pp437-445.
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FATIGUE TESTING (F HELICCPTER GEARBCGKES

by
A.H. BAKER
Assistant Chief Development Engineer
Westdand Helicopters Limited
Yeovil
Somerset
Erngland
BA20 21B

t The fatigue testing of helicopter gearboxes as practised in U.K., at
Westland Helicopters working to british Ministry of Defence regulations is
tims consuming and expensive, The testing covers not only the gears but
the casings and shafts and other parts of the gearboxes, Testing with the
required factors for fatigue scattor and extrapolation lsads to difficulties
with the tooth meshing and premature tooth surface damage requiving modified
tooth profiles and high pressure lubricants, The principle test method has
been on 'back to back! rigs but for the future open locp testing is planned
to glve greater flexibility and versatility. A comparison of service exper—
X ience with test experlence is of some value in assessing the mexrit of the
test factors, :

1. INTRODUCTION

The Transmission represents a very significant part of the cost and time of development of a helic-
opter. In the transmission the main rotor gearbox in particular is the key to a successful transmission
. development programme, It is often, and particularly for a new tooth form, a high risk prograrmme since it
. is often difficult within the constraints of the casing to wmske changes should the strength be shown by
test Lo be inaduquate, It is vhus most important that the testing is carried out early in the alrcraft
programme and that the method of tegt, the design of the test rig and the factors used are chosen in such
S a way that the service fatigue life is adequately and safely proven.

This paper is a review of the fatigue testing philosophy and test metliods used by Westland Helicopters
working to the requirements mostly of the Military Authorities as defined by MOD publications, Assessment
for Civil Authorities hes, at least in recent years, been based on a military certification programme, so
only a brief reference is made to this, Since the experience of the past few years has been mostly of the
Lynx gearboxes, these naturally form the main part of this paper, however valuable experience is gaiued
from older aircraft and it 1s instructive to compare service experdence on these with the test experience
carried out at an earlier stage in our understanding of gearboxes,

In addition to fatigve testing, with which this paper is concerned, there ls a whole field of work in
. asgessing ani substantlating a useful life of the gearbox from a purely functioning point of view. This
. is briefl Louched on in this paper. s

2. FALLIGUE TESTING FHILOSOPHY

In the context of this paper, by testing philosophy is meant what parts of the gearbux are tested for
strength, why are they tested, what are the testing loads to be applied, what is done if the gearbox is
s not strong enough, what is done in the event of a change of design or supplier,

The 1life objectives in current helicopters require fatigue lives of at least 7,000 hours. At first

oy sight one thinks of testing gearboxes as testing to see how strong the gear train is, how strong the teeth
: are, at what loads will they £all off and what happens if they do. However, ther: is much more to a gear-

box than the gear teeth and particularly for long life gearboxes it is important to consider the total ,

structure to make sure it hes been adequately tested, since the varlous parts of the box are significantly

* affected by different loading systems in the aircraft. The principal elements of the main rotor gearbox

of the Lynx are shown in F.gs. 1 and 2, This version shown is what is known as the 3 pinion gearbox where

the loading from the two engine inputs is shared amongst three pinions in order to improve the load capab~

‘ : . 11ity of the box. Looking at this gear layout one can see the principal elements of the loading system. 3
) 1., The main load path gear train (Fig. 1).

<. 2. The hubs to which the gearwheels are attached (Figs. 2 & L), .

& 3. The accessory gears driving oil pumps, generators, hydraulic pumps, etc. (Fig. 1).

k. Miscellaneous assemblies such as freewheels (Fig, 1).
S, Casings (Fig, 2),

It is useful to look at each of these areas separately.

Main Toad Path Gear Teeth

The loading on the gear teeth is clearly one of an oscillatory load from zero to the drdving force
once per revolution of the pinien or whesl, The usual way of representing this loading on a test is to %
apply torque to the gearbox in some way and to rutate this gearbox at its normal running speed until each -
tooth is subjected to a minimum of § x 106 cycles, Because of the widely varying conditions of flight it
is usually required to apply a programued torque,cyle system to allow for the short bwsts of power at
the top engine ratings, to cover the engine out cases (where the helicopter is powered by more than one
engine) and to includs the transient droop cases of low speed and high torque during engine feilure, and
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finally the autorotation case when the loading path inside the box ran be significantly different. Fig. 3
shows the loading system of the Lynx production 3 pinion gearbox in main drive and autorotation. It cen

be seea from this that the lift is taken in quite a different .wute and it is important to consider features
like this and to test accordingly.

Gear Wheel Hubs

The hubs to which the gear wheels are attached, for example the hub on the Iynx gearbox holding the
main conformal ring gear (Fig. L), are loaded in quite & different way from the gear teeth, The gear teeth
have a load zeru to maximum once per revolution, whereas the hub has an output torque which is proporticnal
to the power demands and an input which is cyclic on the gear teeth but with a load diffused over a wider
area. It is also subject in the case of the output shaft, to rotor moments and lifts, It is necessary to
consider the hub with respect not only to the cy:lic nature of the tooth loading but to the full power lift
and moment spectrum which one applies to a roto:- system,

Accessory Gears

Some accussory gears become important parts in that gear failure can lead to say hydraulic pump loss,
and so must be considered in the substantiation of the gearbox,

Miscellaneous Assemblies

Some components are not tested adequately in the nommal gearbox running test. For ingtance, in the
case of the Lynx gearbox (Fig, 1) the load is shared between the three pinions by making use of the torsion-
elly flexible input shafts known as quills. These quills are subjected to high torsional strains but not
significantly high cyclic torque. They are therefore sensitive to the ground to air cyclic loading and
need to be treated separately, Freewheel assemblies in the main load path form complicated mechanical
assemblies which are subject to bendlsg due o misalignment and are occaslonally the source of fatigue
failures on test,

Cagings

The casing of a gearbox, particularly a main rotor gearbox, usually forms part of the structure of the
aircraft, carrying the main rotor moment, 1ift and torque into the airframs. To reduce weight it is
comonly manufactured as a lightweight complox casting, often magnesium, and is difficult to analyse theo—
retically although finite element analyses are nowadays of considerable assistance., It is important there-
fore to consider the strength testing, both static and fatigue, of the casings of the gearbuxes., 1%t is in
any case a requirement of the British MOD publications to subject Class 1 castings to static teats, although
fatigue testing is not a specified test for castings but is implied under a general requirement for Class
1 components,

t

Re~gubstantiation

It is sometimes necessary,having completed the total substantiation of the geamwox, to require sub-
stentiation of materials from a new source, It may be that the geers axe mado from & different maderdial
or arc obtained from a different supplier, In this event, the current practice is t¢ re~substantiate
those gears which are renewed which, in the case of the main load path gears, means testing once again up
to four gets of gears, and in the case of castings, to test more castings, It can {hus be seen that a
decision to resource matordals for whatever reason, while perhaps not being a great risk, is exvensive and
time conswning and careful consideration has to be given to the need:

3.  L&ST FACTORS

Before describing the method of fatigue testing the varlous components of the gearboxes it is ngcessar
to consider the factors which have to be arplied under U.K. regulations,

For Military epplications factors are defined in the Ministry of Defence document AvP 970, However,
these have now been superseded and the practice has been to work to a Westland internal document which has 3
been agreed with the appropriate military technical authorities at RAE Farnborough, For Civil epplications

o the required factors are defined in British Civil Air Reguleblons, Since the basic requirement of BCAR
P is similar to the WHL rules, the WHL document with its more detailed. statement is used.
o , Main Gear Train '1‘

Looking first ab the main gear train, the factors are:-

a) Scatter factor 1.4 for 1 specimen
i 1,2 for ly specimens
N b) Flight variability factor 1.0 for main gearbiox
: 1.2 for tail gearboxes
¢) Ixtrapolation factor 1.2 fron 106 cycles

1,1 from § x 206 cycles

At first sight the advantage of testing L specimens rather than 1 seems fairly modest, nevertheless
& certain emount of prudence usuvally demands that four specimens are fested. Taking an average extrap~
olation facunr, bearing in mind that a programmed load test is usually carried out and the total test time
has to be a renlistic one, the overall factor, for the purposes of this paper, iz around 1,5, Thais nas en
important bearing oa the test as the gears and lubricant are not designed for such high loads. For trans~
ient cases, such as the engine failure case, when the vorque may increase by 2.l for seversl seconds, ib
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becomes more practical to apply a life factor for scatter rather than a load factor. There is of course
no need to apply an extrapolation factor and the test i5 conducted at the predicted in flight torque with
a life factor of around 6. Similar reasoning can be applied to other high torque low occurrence conditicns
such as the S minute rating in order to reduce the factor on load. A typical design and test spectrum for
the rotor gearbox might therefore be as follows:~ (This relates to a typical twin engined helicopter),

2000 — — 1
]._ Test Spectrum
‘,(.4*

e 3 A A AP i

y Twin Single

Engine t

. | Engine

'Red Line! \—

, Twin Engine 4
Total Power | / Flight Spectrum
X

Single Engjk

>y Flight Spectrum '
|
|

Flight Spectrum % Tine (cumilative, i.e. powers = y) [100¢ Twin Engine
1% Single Engine

|

! 6

g TESY CYCLES 5x 10° cycles '
| DEST;N_AND TEST SPECIRUM

P

The test spactrum 15 broken down on test into 20 prograrmes, Although the relationship botween test i
powers and flight powers 1s not immediately obwious it can be seen that the factor on the 'Red Line! power .
; (maximum continuous power) ie just over 1,5 {2000/1300),

To date it has not beea the practice at Westland to apply rotor moments to the main rotor goarbox in
the gear test, Although service experionce has not revealed any deiclencies as a result of this policy,
it is 1likoly that fubure tests will have unfactored moments, as well as Lift, applied.

Hubsg !
4 ! — )

The factors for hubs are the same as other components in the rotor system, For li specimens they are:=

Titanium 1,7 scatier factor 6
1.1 extrapolation factor frow 5 x 10° cycles

Steel 1,7 scatter factor

‘ Cagings, which are usually .astings, are generally designed so that high frequency loads are non=- ‘

‘ - damaging., the casing te.' 1s, in the main therefore, a test under manosuvring loads, which generally

| represent 4 szail number £ cycles. The factors are therefora applied to the life and are, for one 4

‘ : ' spacimen, 6, In additic., it is a resuirement under AvP 970 ruwles to apply a casting factor of 1.3 to the
proof and ultimate loads .or a soutic test, Although the casing is designed such that vibrating loads are

‘ nor. damaging, it may hapsen vhat some of the ancillary loads cun be damaging, In the case of the Lynx for

| instance, the main rotor servoc which are subjected to rotor frequency loads, are attached directly to the
casing (Fig. §), and it has been necessary to assess thu fatigue 11fs of these attachments. The factor in

‘ this case is 2.0 plus some extrapolation factor,

|
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L4, METHOD OF TESTING :

Yain foad Path Gears

The major part of fatigue lifa assessment of gearboxes is cenbred on the testing of a complete gearbex
rotating under factored torques,

b

The practice at Westiend has bee. wp to now to build speclial purpose rigs for each gearbex. They have
ell been of the sams lzsic prineiple of a convenbional closed muchanical loop, This is shown for the Lynx ‘
szin rotor gearbas in schematic fomm in Fig, 6, and a photograph of the rig for the uprated 3 pinien gear— ;
vox in Fig. 7. It consasts in cssence o & rig in which the output shaft is connected to the input shuft ‘
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by a train of gears. A torque is then Zocked into this mechanical circuit after the rig has been brought
up to speed and the rig rotated at normal aircraft speeds. Torque can be varied during running by rotating
the outer ring of an epicyclic box in the circuit thereby increasing or reducing the torque. Torque is
measured by means of strain gauge torquemeters which are capable of measuring not only the steady torque
but alsoc the vibratory torque in the rig. Vibratory torque is difficult to reduce to zero and an average
level during normal running is 10%. Lift is applied to the outpub shaft by a hydraulic jack operating
through a thrust bearing. Although the original rig was designed to apply a moment, this was subsequently
not used. Instrumenbtation is a continuous measurement of oil temperatures anc pressures, and visual monit-
oring of torque, although a trace record of torque is made perlodically. The rig is run under continuous
visual control. This method of testing is quite conventional and it is not intended to describe the rig

in any more detail,

The major problem in the testing as carried out at Westland is that of testing with the high factors.
The first effect of this is that the meshing of gears,in particular spiral bevels, changes considerably
when the factored load is applied as compared with unfactored torque. This meang th»t not only 3s the load
on the tooth factored but the bending moment on the tooth is generally increased by a substantial amount
leading to stresses at the likely point of failure in the xoo' of the tooth which are excessively high.
The procedure adopted to overcome tlds is bated on the assumption that if the meshing pattern is th~ same
then the stress distribution throughout the gears is thae same, and all perts of the gear tooth will be
equally affected, Fig. 8a shows a reproduction of a meshing pattern for a spiral bevel gear under 100%
torque. The next figure shows the same tooth under torque factored by 1.5 which is a typical fatigue
factor. Corrections are first abhempted, in the case of spiral bevels, by altering the relative position
of pinion and gear. If, as in Fag. 8c, this is still not completely effective then the gears may have to
be reground to a modified profile. The last diagram in Fig, 8 shows the final ccrrected mesh and profile
with a meshing pattern similar to that aeveloped for the setisfectory running of the production box. The
test 1s then conducted on this set of gears whose profile has been modiflied from the production standard
and whose meshing position is different but whose meshing pattern as seen on the teoth is the same., One
essential feature of this is that tho meshing pattern becomes the standard which has to be met throughout
production build, as it is this pattern which has the defined fatigun 1ife. The conformal gears as used
on the Iynx cannot be re-meshed by re-positioning and any changes have to be m=de by regninding., This is
a tediouz and tame consuming businesa but nevertheless is the only solutlon and has been carried out on a
number of cccasions,

Having achieved the dasired meshing standard thore still remains the problem of carrying out the tests
with these higher loads, Scuffing and plucking of the teeth are much more likely and this may lead to
preraturs failure., The usual option open is to improve fhe lubrication by either increasing the flow or
the cooling or by using the most suiteble lubricant availabtle even though this way not be the oil used on
the aircraft, This usually means using an EP oil such as CEP 220 or CSP 215, Having re-meshed the gears,
reground then and used the best availedle lubricant, it is atil) necessary to conduct the tests in such a
way that the gears stand a good chance of surviving without snrface danage or with damage that can be
contained or rectified, Experlence has shown that running the test to a programmed load of ascending and
descending powers (which is fundamentally to minimize *he unknowns of cumulative damage) with around 30
rmins, at maximum powers is more likely to lead £y a successful outcome,

When conducting the test a judgement has to Lo made ag to how often the box is looked at during the
test, Magnetic plugs, temperature, vibration are alld checked or measured during the test and give some
gulde as to what darmage may be happening, There is & strong temptation to carry on with the test if all
appears to be going well, However, experience has introduced some caution into the judgement and in a
100 hour test the gears are ingpected perhaps four times, Inspection would consist of vexoving the gear-
box from the rig, removing as little of the covers as porsible and visually inspecting the gears. If no
damage has occurred, thep the cove.: is replaced and the goarbox put back on the rig. At the same time the
bearings which are also a source of trouble at the high fanctora are locked at in any suspect areas and
some re-working of these may be necessary, If working of the geara iz necessary then further dismantling
has to be done. All of this procedure takes a surprisingly long tims and the average time for carrying
out a nominal 120 hour fatigue test (vwhich is the time for a Lynx main gearbox) is, with nomal rig and
test gearbox serviceability and availability, 5 to 6 months, It can be seen therefure that the total
programme on four successful bexes can take 18 months to 2 years, Clearly the opportunity to assess
strength of nodifications or altemative materials is strictly limited.

Tail and Intermediate Gearbares

The transmission to the tail rotor is commonly through an internediate box along the tailboom and into
a right angled gearbox driring the tail rotor, Westland esperience in the gearboxes has baen entirvely on
spiral bevel gears. They are tested in a conventional back to back rig as an assembly either using a sec-
ond pair of alrcraft boxes driven backwards to close the loop or using a specially ceslgned gearbox for the
purpose, Torque is wound into the system by rotation of the ring gear of an epicyclic and is measured by
means of strain gauges with a rotary transformer coupling which hes proved to be highly accurate but whose
reliability has been a problem, Slip ring assecblies have been used but these have required a fair degree
of maintenance. Instmmentation on the rig is feirly basic, oil temperature and save bearing temperatures
if a spscific problenm arises, Torsional oscillations in these rigs have not been a problem and are gener-
ally less than 5%, Tail Rotor Thrust is applied but ro tail rotor moment, A picture of the Lymx tail
transmission rig is shown in Fig, 9.

There have been some fallures of intermediate gearboxes on test and they were solved by careful cholce
of meshing standards which were rigorously controlled 4n production build acceptance tests, and by a web
thiciness increase. A more difficult problem for the tail trunsmission is derivation of an accurate
spectrum of loading, Until realistic spectra from service experionce in real conditions are obtained, the
loading has to be derived from measurements made on development aircraft during high powered level flight
and high torque manoeuvres, The factors around 1.8 (arrived at in a simiiar manner to the main gearbox)
are applied except that a flight variability factor of 1,2 is included.
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This high loading for sustained periods of running again leads to surface damage, premature bearing
wear and high temperatures. The temporatures are controlled by choosing the optimum quantity of oil in the
box and by external air cooling which has always proved adequate. Bearing wear and gear surface damage is
controlled,as far as one is able, by choice of the best lubricant and by operating a cpectrum of loading

Yo avoid contimuous running at the full torque, but the damage caused is a considerable delaying factor in
the programme,

Hubs

The hubs have a dual function of supporting the main gear train to transmit the torque to the rotor
and also to carry the rotor lift and moments into the airframe, The testing methods cover both of these
load systems. The connection to the main gear train is tested adequately in the rotating gear test. The
rotor moment conditions require a separate test and this is done by building a separate test rig in which
the rotating moments are applied either by rotating the components with 2 steady load as was done for the

Scout, or by phased dynamic loads on a stationary camponent for the Sea King and Lynx. The addition of
1ift and torque results in another substantial rig.

Castings

A diagram of the Lymx casting, including the servo jack attachments is shown in Fig. 5, and a photo-
graph of the test on the Lynx main gearbox casting is shown on Fig, 11, As can be seen it results in a
fairly complex arrangement of loads end reactions. The test requirements for a class 1 complex casting
under MOD regulations is to test one casting statically and according to the WHL document, a number of
castings in a fatigue test, the number of castings being related to the factor for the test, It is cormen
to test four castings. The specimen consists primarily of a casting or assembly of castings (there are
five castings in the Lynx main gearbox assembly) into which are assembled gears, bearings, etc., accumule
ated from other tests, sufficient to carry the torque. The loading system for both the static and fatigue
tests is similar, In the case of the Lynx this consists of applylng simulated engine torques and reactions
to the input assembly and reacting the torque at the main rotor hudb and teil rotor torque interfaces. Lift
and pitch and roll moments are applied through hydraulic Jacks to the gearbox hub and hence into the
casting,

The dynamic loads from the aircraft hydrawlic actuators, which are bolted to the casting, are applied,
hut ag a separate test, The caating is assembled to a structure representing the aircraft structure in
order to get the right stiffness at the attachmenc points. For static tests the loads are simply increased
in & suitable sequence for two or three different loading cases, The fatigue case is one representing
ranosuvre cases since except in the case of the hydraulic sctuators, the rotor frequency loads are usually
Judged to be non damaging, A 1life factor is preferred to a load factor for the fatigue case and the test
for a 7000 hours life lasts for around 200,000 cycles,

A typical test of a main rotor gearbox casing for the Lynx is as follows:~

EXGINE  TAIL MAIN ROTOR
LIFT ___ PITCH MOMENT  ROLL LOAD __ TORQUE __ TORQUE _ TORQUE
\EVEL 1 0 0 0 0 0 0
IEVEL 2 +27,000 200,000 -143,000 18,000 1,000 300,000
1EVEL 3 +11,000 + 57,000 + 51,000 13,000 4,000 200,000
IEVEL )y ~11,000 0 0 13,000 4,000 200,000
LEVEL S 0 0 0 0 0 0

This cycle to be repeated 210,000 times,
Autorotation case is not necessary in the fatigue test as the number of cycles is small.
The test on the servo jack attachments is done as a aeparate test.

As an aid to the understanding of the stress distribution in the casting stress measursments using
brittle lacquer or photoelastic coatings are made.

Four specimens are tested in fatigue and one of these is tested in tite static case, Testing of the
tail transmission gearbox castings 1s not usually done since the regulations permmit clearance by calculation
in the case of fairiy sinple castings or castings whose construction or design is similar to previcus exp-
erience,

Miscellaneous Gearbox Parts

Sometimes a careful analysis of the totsl internal loading system in a gearbox shows that some comp=-
onents are not adequately coversd by the rotating back to back type tests, As already mentioned a typical
example of this is the quill shaft in the Lymx three pinion gearbox, where the load is distributed evenly
between the three pinions by means of flexible quills as shown in Fig, 1, These, by their nature, are
highly stressed purts with stresses proportional to power demands and which are not of a cyclic nature.

It is therefore necessary to conduct a separate test on these parts o apply a spectrum of loading repres-
enting the power dermends in the alrcraft, Components such as these are tested elther in standard fatigue
test machines or in special purposo rigs.
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5. CRITERION (F GEAR FATTLURE

It is quite likely that fatigue testing at high factored powers will lead to surface breakdown. This
in turn can lead to a fatigue crack which may cause a substantial loss of metal and substantial secondary
demage, The usual criterion of failure adopted by Westland is whether the gear train will continue to
carry the full load without the risk of substantial secondary damage such as could be caused by large
pieces of tooth breaking off and causing a failure of the load puth. With this as the criterion it is
considered legitimate to repair any surface damage such as plucking or scuffing by stoning the gears and
continuing the test since it can be considered that this surface damage is caused largely by lubricant
failures at the higher than nomal bearirg pressures and will not occur during nomal service experience.
Fig. 10 shows types of gear tooth damage which occur and a tooth subsequently stoned. A tooth which is
clagsified as a failure 1s also shown,

6.  ALTERNATIVE TEST METHODS

Since fatigue testing of gears is expensive, and in the case of re-sourcing of gears can be an inhib-
iting factor, attempts have been made to find alternative, cheaper ways of proving the strength of gears.
The most attractive posaibility is to test the gear wheel in a standard testing machine loaded with a piece
of metal simidating a pinion, which has the obvious advantages of simplicity and a large number of possible
specimens from one wheel., One feels this ought to have some value, particularly in the case of comparative
tests of gear material but so far it has not found acceptance. A more sophisticated method was tried for
the Lynx gearbox partly as an attempt to overcome some of the bearing wear and tooth wear problems of the
full speed rig but also as a possible cheaper alternative method of testing., A diagram of this rig is
shown in Fig., 12, It consists in principle of testing a single inpubt only of the twin gearbox and driving
the output into a standard aircraft box but using the twin inputs thus halving the loads on this slave
gearbox, This has some advantage in the late stages of a development programme when suitable buxes are
more readily available, To reduce wear this particular test was conducted abt a speed 1/6 of the normal
running speed of the box., A fatigue test was conducted satisfactorily on this single inpubt with no wear
problems or rig breakdowns but it is difficult to establish credibility for a system of testing which is
different fram the aircraft conditions. A similar fate, but in the design stage, befell another attempt
to oscillate the gears over at least one tooth of the slowest gear in a quasi static test and using the
casting rig, which would have resiulted in considerable rig and test cost savings. It seems that the
traditional conservatism of the mechanical engineer, bormn out of hard experience, mesns that such simplified
teats, while perhaps adding to knowledge of SN curves for gear materials, would never contribute directly
%o the basic substantiation of a gear train,

7. FUTURE TESTING

The experience at Westland has largely been on back to back or closed loop type testing, This method,
while giving some saving in power, does result in a number of constraints on the test rig design.

Firstly, the rig has to be designed specifically for each gearbox type. At the end of the fatigue
and development programme the rig becomea of no value to any future project although sometimes some rigs
are retained for production clearance purposes, Secondly, ths design is inflexible so that any changes in
aircraft configuration is extremely difficult to accommodats since the angle and positions of the slave
gearboxes need to be fixed, This means that the rig design cammot proceed until the alrcraft layout is
frozen, Thirdly, the rig is a very complex mechanical system and is often more complicated than the gear-
box that is being developed and fatigue tested, This leads to a low reliability and slow test rate.

In order to overcome thaye constraints, Westland are bullding, under MOD contract, 2 rig on the open
loop principle, which while being designed for a epecific project, ic also capable of being used for a
wide rangs of' other gearboxos, Although this paper is not the place to describe the rig in great detail
it is worth discussing the main features,

A photograph of a model of the rig is shown in Fig. 13. The basic principle is that three rafts with
electric motors of 2600 KW each represent an engine, These drive into the test gearbox and the power
is reacted by standard water dynamometers at the main end teil votor, The power units together with thelr
reduction and speed increasing boxes are on rafts which can be moved about the test cell to accommodate
different aircraft design configurations or to test different parts of the transmission. All the comp~
onents chosen, the motors, gearboxes, dynamomebers, torque measurements, servo control, programming are
standard comrarclial items and it iz hoped by this means to have a rig which is much more reliable than
has been the previcus exparience end also one which can be readily acapted for other projects when its
primary tesk has been completed,

The rig of course uses & lot of power. It in fact represents about 60% of the total factory supply
and the effect of this is that the rig can only run under high power st night, This in tum has lead to
the concept of running the rig entirely automatically with a system of safety devices and supervisory
inatrumentation. The capability of the water dynamomster system to very rapidly reduce power as distinch
from the wound~in torque system, adds contidence tc the crpability of safe running., Considerabls thought
has been given to re-circulating the energy by hydraulic or electric sysisms or to using the wasie neat,
but the intermittent usage charactexdstics of development testing and, over & year, the reiativsly small
number ¢« hours of running, means that any such system is unlikely to prove economic. It is hoped to run
the rig in 1981,

8. SERVICE EXPERIENGE

The testing requirements and factors for gearboxes, as for most components, are arrived at by taking
account of a knowledge of scatter of strength, Goodman diagrams, Miner's rule, S-N curves and engineering
judgement based on experience gained in service. It is useful to review the experience gained un Westlaid
gears and corpee it with test experience.
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Table 1 shows the in=service expsrience on three military helicopters. It is necessary to make one
or two comments on this table before attempting to draw any conclusions. It is of course a simplified
version of the overall picture, In the case of the Scout, a modified main gear was tested to an additional
factor of 1.1 and has been introduced with no service failures but with so far limited experience so that
the old gear is of more interest from a statistical point of view, The Scout work was done some years ago
when knowledge of the behaviour of gearboxes and helicopters was less well known, The factor used was what
is now regarded as aélow one of 1.1 and the test was a simple one of testing for the 1 hour power rating
times 1.1 for 5 x 10~ cycles. No attempt was made to programme the loads and no loads were applied to
represent eny higher engine ratings.

The heldzopter is single engined so there is no question of transients due to engine fallure, Sub~
sequent service experience revealed a tendency to overtorque uwp to 15% beyond the § minute rating., No
other service failures have been found in any gears in any of these helicopters on military service.

Clearly the factor of 1.1 is no longer acceptable, at least for main gears, although the Scout exper-
ieirze compares not unreasonably with modern understanding of strengths., Whether the resultant factor of
1.t now applied is the right one is difficult to judge from the limited experdence but it is certainly a
suvstantial margin zver 1,1, It is interesting to note that in the Scout main gearbox the broken tcoth
generally remained in the bottom of the gearbox. It is perhaps useful to continue the test of all gearboxes
until failure to establish the mode of failure and its likely outcome as an aid to arriving at a safe life,
Unfortunately the cost and time of testing and potential rig damage tend to inhibit this practice frem
being followed.

The situation on the tall transmission is somewhat different. No fallures of gear in these sircraft
has occurred with test factors varying from 1,1 to 1.8 even though life calculationn show only modest

margins over the declared life, As described earlier a more difficult problem is an accurate prediction
of the in service usage,

9.  GENERAL GEARBOX DEVELOPMENT

The main chjective of this paper has been to describe the methods of fatigue testing., There is
however a whole field of development of gearboxes as distinct from fatigue testing and it is worthwhile
cutlining what the prograrme has been on the Lynx. The development of a satisfactory gearbox and extension
of the Time Botween Overhauls (TBO) was carried out in 5 phases.

1. PRig Testing on tho back to back fatigue rigs,
2, Rig Testing on the rotor rig.

3. Developrment aircraft flying, including the formal Type Test.,
4. Service aircraft Intensive Flying Trials Unit (IFTU).

5. Nomsal service experience.

The only formal requirement in the development programme is the Type Test, which for a twin engined
helicopter represents 150 hours flying and 200 hours ground running. The total development hours are much
more than this,

The rlg testing using the same rigs as for fatigue testing,was extended to over 4000 hours for general
expordence and to develop and test improvements,

For tne Lynx, a Rotor Rig was constructed (Fig., 1), This is essentially an airframe bolted to the
ground and capable of accepting and driving the totel transmission using aircraft engines. It is an
excellent vehicle for assessing quickly with no flight safety problems, any development in the transmission
but is limited in the amount of control powor which can be used although this is of little consequence in
transmission development, Over 1600 hours were run on this rig.

Development flying covers a whole range of activities during the course of which the transmission
hours are built up, Some flying is specifically done for transmission development but this is a fairly
small proportion. The total development flying for all purposes and on all Lynx variants with a cormon
transmission was 6000 hours on 13 aircraft,

From this extensive develcprment flying, a suitable 1ife of 300 hours was allowed for the service
flying on the IFTU, during the course of which almost 6000 hours were flo:.: by 13 production aircraft of
the Army and Naval variants, The bimescale of this programme is shown below on Table 2.

The result of this extensive programme is a TBO of 600 hours with a potential to rapidly increase
beyond this depending on the rate of service flying, #s can be seen the total prograrme takes a long time
but the value of a high TBO quickly, is quite an obvious advantage cn expensive transmissiun components.

10. CQNCLUSIONS

This paper is a roview of the methods of fatigue testing of gearboxes as carried out at Westland
Helicopters, It is clear that the testing hes to include no% only the gears but other components of the
total gearbax. The fatigue testing is expensive and time consumlig. It would be useful if there were
an acceptable method of testing, o at least ccmparative testing, of gears in a much simpler fom so
that for instance materisl changes or small changes could be more economically assessed. The test rigs
themselves are expensive to design and make and it is hoped that a universal rig now in manufacture,
while perhaps being initially rather more costly than a purpose built rig, will lead to considerable
savings in the future.

Gear case testing is also necessary, elthough it is difficult to deal adequately with in flight high
frequercy loadings if these become damaging in some manoeuvres. Development of a satisfactory overhaul
1ife is a subject in its own right but it is clear fron the outlines given that it occupies much time on
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rigs and aircraft, The question of factors is dealt with and it would be of considerable value if a survey
of service experience relative to test experience of helicoptar and engine reduction gearboxes ca a4 number
of aircraft were carried out. This would be of value in arriving at a safe minimum factor for gearbox
testing which should lead to safer aircraft and improve the reputation of helicopter transmissions.
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Fig.8 Meshing patterns under factored load




12-18

P

P

S11 UOISSIWISURI} S1BIPSULISIUL PUE [tE} XUAT

6314

-

Y




12-19

Y3991 paxourid  (Q)01°3id

B
L “Pvl

T
‘.u‘, u,:&,

T

Y199) payonjd

1
23

(20131

m

[ E—— 1




s

12-20

1300} paygnog (P01t

1100} pauols ()19t

B

[P

v gt Y =




DU 12 PP S SO g

1221

ilure

Fa

10(e)

18,

F

ing rig

Lynx main gearbox cast

Fig.11

- T, g




12:22

CONNECTING SHAFT _

Uy g N /o
1000 rpm f

ELECTRIC MOTOR

INPUT & TORQUING
ARRANGEMENT
!

STRAIN GAUGED INPUT
SHAFT AND TELEMETRY

-

Fig.12  Lynx slow speed gearbox rig

bl e




g i W

Fig.13(b)

Model of open loop rig — View of rig showing main dynamometer in position




12-24

1 .
i
)
A oy 0 o 2 A
R T
DR o' BTN
|
:
.
5
b

! Fig.14 Rotor rig




, 131

THE METHODOLOGY OF FATIGUE ANALYSIS AND TESTING — MAIN ROTOR
BLADES AND HUB — HUGHES YAH-64 ADVANCED ATTACK HELICOPTER

John M, McD(anott, Manager
Structural Analysis Section
Hughes Helicopters
Centinela Avenue at Teale Street
Culver City, California 90230
U.S. A,

ABSTRACT

The paper outlines the fatigue methodology applied to the structural
analysis and testing of the Main Rotor Blade, Blade Retention System, and Main
Rotor Hub of the Hughes YAH-64 Advanced Attack Helicopter. The basic
structural concepts are described, including provision of fail-safe redundant
load paths, and damage tolerance, A description of the materials used for the
various structural elements is given, and the factors affecting their choice are
discussed, The strap retention system, which incorporates both flapping and
feathering motion, is described with emphasis on its fail-safety.

The approach to fatigue testing of the main rotor elements is described,
The rationale for testing various components in separate combinations, and
also in a full-scale hub-retention fixture, incorporating four arms with simu-
lated blade flapping and feathering motions, is discussed, Fatigue test results
are presented, including failure modes and the ability of many components with
large amounts of fatigue damage to sustain full loads. The methodology of
transforming the results of fatigue testing into working S-N curves to be used
Lo for life verification is also outlined,

A description is given of the fatigue testing of parts with ballistic damage
and also of the crack propagation testing of parts with a fatigue crack already
developed. The analysis of failed parts to determine failure modes, origins
of crack inception and possible improvements to extend fatigue life is discussed,

A general review of the fail-safety of the design which is inherent in ful-
filling the requirements of ballistic survivability concludes the paper.

INTRODUCTICN

| The Hughes YAH-64 Advanced Attack Helicopter (shown in Figure 1) is currently in the final stages of
development prior to a production contract being issued at the end of 1981, The requirements call fora
highly damage-tolerant main retor, with a high degree of survivability to battle damage, This was
achieved by design methods as outlined in this paper, and verification was achieved by the test methods
described. The rotor system on the YAH-64 is 4-bladed, fully articulated, with elastomeric lead-lag
dampers providing restraint and in-plane damping, The rotor is mnounted on a static mast with a
rotating drive shaft inside, The system is similar in concept to that used on the Hughes OH=6 and 500
series helicopters, which have had a highly successful service usage,

DESCRIPTION OF MAIN ROTOR HUB

The main rotor hub general arrangement is shown in Figure 2, The hub body is made from an
aluminum forging, machined to provide four sets of arms for mounting each blade., The driving torque
for the main rotor is transmitted throagh the drive shaft to the splines in the drive plate and through the
attachments on the top of the hub, The hub is mounted on a static mast by means of two tapered angular
contact roller bearings, which transmit the thrust and hub moments to the helicopter, This is shéwn in
Figure 3,

The main elements of each arm are:
i) The Lead-Lag Link which provides the articulation for the in-plane motion of the blade, The

lead-lag joint is made up of teflon lined bearings with a pin connecting to the strap retention
system, The attachment to each blade is shown in Figure 4,

The dampers are connected to the pitch housing at the inboard end, and the lead-lag motion
of the blade is transmitted to them through the lugs of the lead-lag link, The Hub Assembly
is approximately 2 meters in diameter (6, 50 ft),

.
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Figure 1. Advanced Attack Helicopter,

DRIVE PLATE
HUB FORGING

PITCH HOUSING

LEAD LAG LINK

PITCH LINK
BLADE ATTACH PINS

Figure 2, Main rotor hub assembly,
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BEARING ROTOR HUB

CONICAL

MAIN ROTOR STATIONARY MAST

DRIVE SHAT™

MAST SUPPORT

MAIN TRANSMISSION STRUCTURE

FUSELAGE DECK

Figure 3, Static mast - rotor support,

LT Figure 4, Main rotor blade root attachment,

ii) The Pitch Housing, which does not provide any centrigugal restraint, is free to flap and
feather about the feathering bearing, The Pitch Housing is connected to the pitch link which
controls the collective and cyclic angles of the rotor, The feathering bearing is housed on
the inboard end of the pitch housing,

in) The Strap Retention System provides the centrifugal restraint for each blade and is shown
in Figure 5, This system, which is similar to that used on the Hughes 500 series helicopter,
consists of a pack of 22 laminates each 0, 36 MM (0, 014 inches) thick made of AM355 stain-
less steel, The strap packs are free to flap and to twist, and provide a highly damage-
tolerant retention system, Full loads can be carried with over 10 straps completely failed,

DESC.RIPTION OF MAIN ROTOR BLADE

The main rotor of the YAH-64 Advanced Attack Helicopter is 14, 63 meters diameter (48 ft), The
four blades are mounted to the hub by means of the lead-lag link described above, The general arrange-
ment of the root end is as shown in Figure 6, The blade attaches to the lead-lag link lugs by means of
two pins of an expanding bushing type of design, shown in Figure 4, such that the pin expands in diameter
upon installation in order to fill the holes of the blade attachment,

The cross section of the blade is as shown in Figure 7, The blade basic section is cambered and is
of constant section throughout the span, except for the swept tip section, The materal is rolled stainless
steel sheet uf AM355 CRT reinforced by uniaxial fiberglass forming the main box.cam f the section

2o
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Figure 5. YAH-64 Main rotor blade retention,
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Figure 7, Blade cross section,
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which comprises 50 percent of the total chord, The trai'ing portion of the blade is made of fiberglass
and Nomex honeycomb, with a trailing edge tab of AM355 CRT stainless steel, The box beam consists of
four torsion boxes bonded together and is highly redundant. The transition from this box beam to the
root end section is achieved by means of a stack of doublers as shown in planform in Figure 6, The out-
board portion of the blade is swept back at an angle of 20 degrees to minimize the compressibility

effects on the advancing blade, This tip section is also thinner than the basic section of the blade. The
general arrangement of the swept tip is shown in Figure 8,

REMOVABLE
LEADING EDGE
(INCONEL WITH
NICKEL PLATED
L/E)

TIP RETENTION
FITTINGS
[~ TRAILING EDGE
STATIC (FIBERGLASS SKINS
DISCHARGE __— NOMEX GORE)
wick —

Figure 8, Swept-tip of blade,

DESIGN APPROACH

During the initial design of the main rotor, the approach used to establish the required fatigue
strength was the concept generally referred to as Weighted Fatigue Approach. Using this method, a load-
ing condition for each component is defined and the component is then designed to have an infimte life for
those loads., In actual fact, each coraponent is subjected to a spectrum of loads in service, and the rela-
tionship between these load occurrences and the S-N curves determines the fatigue life of the part, During
the course of the design, it would be too cumbersome to apply this spectrum of loads to each design i1tera-
tion, and so instead, a particular loading condition is chosen, and a factor applied to the loads for that
condition, Cienerally a high speed level flight condition was taken as the basis for these loads, and a
weighting factor of 1,5 to 2, 0 was applied to the alternating fatigue load, depending on the material
involved, The parts were then sized so that the resulting stresses did not exceed the endurance limat,
with the effects of steady load and stress concentratica factor included, By this means each part was
required to have a specified endurance limit load - that is, a load which could ba applied for an infinite
number of cycles, More recently the approach taken at Hughes Helicopters has been to define for each
part not only an endurance limit capability, but also, and in addition, a high load condition which could be
sustained continuously at the peak values on the part for one hour before a fatigue failuze would be
encountered, This is referred to as the One Hour Load, and results in a more controlled definition of the
fatigue strength than the Weighted Fatigue Load described above,

In addition to the fatijue strength, there exists the requirement for maximum static strength, Thiss
achieved by the conventional use of Limit Loads which are the maximum loads which coild be sustained
without permanent deformation, and Ultimate Loads which are Limit Loads with a 1, 5 Safety Factor
applied, This defines the maximum static strength required from the component, A further strength
requirement is for the Ground-Air-Ground fatigue capability, Each component, in addition to the fatigue
spectrum of flight loads, is subjected to a large once per flight variation of lcad from the maximum posi-
tive peak to the maximum negative peak. For example, on rotor components the centrifugal force is
varied once per each flight from zero to a maximum, with an additional maximum peak load from the
worst maneuver superimposed, This is referrzd to as the Ground-Air-Ground Loading and is a high load/
low cycle condition imposed in addition to the low load/high cycle fatigue requirements,

A further requirement on the .Advanced Attack FEelicopter is the ability to sustain relatively severe
battle damage, and yet be able to fly a limited spectrum safely for a short period of time, This represents
a safe completion of mission and return to base, This requires the design to have a large amount of
residual strength subsequent to sustaining a high degree of battle damage. In some cases, the complete
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loss of a particular load path was assumed, and yet the component had to retain structural integrity on
a limited basis, This naturally led to a fail-safe design, with the consequence that large amounts of
fatigue damage can be tolerated before failure occurs, Some examples of this are as follows:

Fail-Safevy
» The strap retention system can tolerate up to 10 of the 22 straps completely failed,
e A complete loss of any lead lag damper assembly can be tolerated without failure,

e Any one attachment lug on the lead-lag link ~an be completely failed, and the remaining
lugs will carry the loads.

e Any complete spar of the blade box beam can be completely cracked through and the loads
can be safely carried by the remainder.

o  The blade trailing edge member can be completery failed and the chordwise bending loads
can be safely taken by the box beam,

In summary then, the design requirements led to a rotor system which was highly damage-tolerant and
fail-safe.

FATIGUE TESTING

The verification of the fatigue life of the main rotor was established by means of a series of fatigue
tests on full scale components, As is usuval with helicopter components, S-N type testing was used rather *
than spectrum testing, The difficulty of predicting the dynamic loads priar to flight testing makes the
use of spectrum testing inappropriate and difficult to apply. Therefore, constant amplitude testing was
used to establish an S-N curve for use in calculating the fatigue life of a part, Since {ull scale tests are

rather complex, only a limited number of specimens were tested, the nominal number being six to be
tested at completion, on the Advanced Attack Helicopter.

The objective of the fatigue tests was to determine for each component, or zroup of components, a
number of failure points and, where possible, run outs, A mean curve was then drawn through these test
results, and a reduced curve determined by appropriate statistical methods was derived from this, The
reduced curve is used to determine the fatigue lifc in conjunction with the results of the flight loads survey
and the spectrum of frequency of occurrence, Additional supplemental fatigue test data was acquired by
means of cmall scale design support tests and coupon data, The uescription of such tests is beyond the
scope of this paper and attention will be confined to the major fatigue tests conducted on full scale speci~

4
mens, These tests were as follows:

Main Rotor Hub

e Full Scale 4 Arm Fatigue Test :
e Single Arm Fatigue Test '

Main Rotor Blade

e Root End Fatigue Test

- S

e Intermediate Section Fatigue Test

e Swept Tip Fatigue Test

Each of these tests will be described in some detail, concerning the techniques of testing, specimen
design, load applications and results obtained,

MAIN ROTOR HUB FATIGUE TESTS

The main rotor hub fatigue test setup is as shown in Figures 9 and 10, This consists essentially of
a complete hub assembly mounted into a large fatigue test fixture, The blade loads are apglied by means
of dummy blades attached to the lead-lag links, the centrifugal force being applied through straps, The
dampers are omitted {xom the hub assembly and in their place are a pair of actuators which apply the
damper loads, Figure 9 shows how the loads are applied to this specimen, Attention is directed to the .
skewing of a rotational axis of the fixture, which induces a wobble by means of which the flapping motion '
of the blades is simulated. This test consists of a combination of loads and motions representing the
loading which the main rotor hub experiences in flight, As always when a large number of components
are tested in a combination, a series of failure modes are encountered, In the test described above
failures occurred in.lead-lag links, in pitch housings and in individual strap laminates, No failure of
the basic hub structure, either the aluminum forging or the gentrifugal carry through plates has been

experienced to date, Several more specimens are scheduled to be tested, at higher load levels and at :
higher flapping and coning angles,
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In addition to the testing just described, a further set up was used in which a single arm fatigue test

was condusted, This is shown in Figure 11, This was designed to obtain accelerated data on the single
arm components:

a. Scrap Pack Assembly

b. Damper Assembly Attachments
c. Pitch Housing

d, Lead-Lag Link

This test does not provide flapping motion, but instead applies the alternating loads and centrifugal
forces applied by the root end of the blade, It achieves more rapid resuits than the main hub set up, due
to its simplicity, and has been very important in determining failure modes of the damper components
and pitch housing, These have led to significantly better understanding of the fatigue problems associated
with these componeats and have resulted in several important improvem:nts, During the course of this
testing, no failures of the strap packs have been encountered, This is attributable to the fact that this
particular test does not apply motions to the strap packs other than the small amounts due to structural
deflections, and therefore does not challenge the straps in fatigue. Figure 12 shows a fatigue failure

of the pitch housing, The diagonal nature of the crack indicates a torsional mode of failure, due to pitch
link loads reaction to the torsional moments from the blade, Figure 13 shows another fatigue failure of
the pitch housing, This time the failure is more indicative of the interaction of local stresses feeding in
the damper lug loads and general bending and torsion of the major section,

MAIN ROTOR BLADE FATIGUE TESTING

There were three large scale component fatigue tests conducted on the main rotor blade, these being
respectively:

a. Main Rotor Blade Root End Fatigue Test

b, Main Rotor Blade Intermediate Section Fatigue Test
c, Main Rotor Blade Swept Tip Fatigue Test

The first of these, the blade root-end fatigue test, was conducted on a double-ended fatigue specimen as
shown in Figure 14, The test set up is as shown in Figures 15 and 16, Basically, the double-ended
specimen is pulled at each end to simulate centrifugal force and then loaded in the center with an actuator
to produce the flapping and chordwise loads across the blade root-end, The centrifugal force loading
devices and the chordwise centerline spring system were pneumatically operated air cell devices operating

Figure 11, One arm fatigue test,
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Figure 13, Pitch housing fatigue test,
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Figure 14, Main rotor blade root end test specimen,

Figure 15, Main rotor blade root end fatigue test,
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Figure 16, Test setup, main rotor blade root end fatigue test,

by means of manual air regulators, Flapwise and chordwise motion actuators had linear feedback,
closed loop servo control systems that were operated by a sinuscidal sigral input frong a signal
gencrator, An electrical counter operated by the signal generator vias used for counting load cycles,
The centrifugal force load cells and the torsion reaction links were tubular load carrying members
instrumented with axial strain gage bridges, Each of the fatigue trst specimens was instrumented with
strain-gage bending bridges and calibrated by subjecting it to known moments in the axis system of the
particular blade station being calibrated. The strain-gage bending bridge locations on the test speci-
mens were identical to the locations on the flight test blades so that a direct comparison of loads could
be made for the final analysis, The output of centrifugal force load cells, torsion links, and the
specimen bending bridges were recorded by direct-writing pen recorders and visually monitored during
the test, The load distribution was similar to that measured in flight, In the testing to date, no failures
of the root-end joint have been encountered, However, several minor failures such as doubler delamina-
tion and cracking of a transition area have resulted in some design improvements, Testing is currently
being continued to establish a higher S-N curve for this component.

The second fatigue test consists of a specimen simulating the blade constant section outside the
doubler reinforcement area, This specimen is shown. in the test set up in Figure 17, This test again,
simulates the effect of centrifugal force by a straight pull, and the thordwise and flapwise moments are
applied by means of 2 pair of actuators in the middle of the specimen. The two centrifugal force loading
devices (one at each end of the fixture) used a total of eight air cells {springs) which were interconnected
to one manually operated pressure regulator, The other load measuring elements were torque reaction
links with instrumented and calibrated thin wall tubular sections, The two hydraulic actuators controlled
by MTS Systems closed loop, displacement feedback, servo systems operated from a signal generator
circuit, An electric counter activated by the electrical circuit was used to record loading cycles, Each
specimen had calibrated strain gage bendiag bridges at the spccimen centerline, Crack detection wires
were placed on each specimen at appropriate critical locations, The output of the centrifugal force cells,
the torsion reaction links, and specimen bending bridges were recorded by direct-writing pen recorders,
Testing to date resulted in no failures due to basic fatigue loading and a satisfactory S~N curve was
obtained waich indicated that this part has an iniinite life,

The swept tip fatigue test is shown in Figure 18 and the specimen is illustrated in Figure 19, The
test specimen was a complete section of the main rotor blade swept tip, beginning at blade Station 239, 95
and extending to the blade tip (Station 287, 95)., To assure valid load simulation and stress distribution,
an adjustable whiffletree system was used to distribute the load in the required proportion to both balance
weight supports and to the swept tip blade structure, The load was applied by a horizontally mounted,
closed loop electrohydraulic actuator with load feedback. An electronic oscillator was used to drive the
actuator valve sinusoidally between zero and peak tensile loads., Loads were monitored throughout the ;
test by load cells located at each tip weight loading bar and at the actuator, Failsafe crack detection
wire and limit switches were used for test fixture shutoff in the event of specimen failure, Initial load
conditions for each specimen were maintained until failure, or until three million cycles were achieved.
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Figure 19, Swept tip specimen,

If three million cycles were obtained, the test was continued with increased cyclic loads to gencrate valid
S-N fatigue data, Loads on subsequent specimens were tased on previous specimen performance to
ascertain blade tip fatigue strength, Testing was continued after the initial failure mode was encountered
in order to ascertain crack propagation characteristics, There are scveral materials in this particular
component - the basic stainless steel of the blade, an Inconel outer cover, and titanium fittings. Fatigue
failures occurred in the cover and the {ittings, but not in the basic blade section, S-N curves based on
the material curve shapes were obtained for thesc components,

FURTHER TESTING

In each case, the inception of a detectable fatigue crack was defined as a failure point and used as
such for the derivation of an S-N curve, However, in nearly all instances, the specimen continued to
carry load, due to the nature of the highly damage tolerant design, Therefore, in order to obtain crack
propagation data, testing was in rnany instances continued, with the loads set at the levels which would
be encountered in normal flight at cruise speed, In this way, valuable data was obtained as to the margin
of safety in fatigue for safe operation with a part already cracked. This is illustrated in Figure 20 on the
blade root-end where a fatigue crack in the forward portion of the blade root-end was monitored through
the application of many cycles. The blade leading edge has since been modified to improve this area,

Also, during the fatigue testing of the main rotor hub there were instances of lug failures in the lead-
lag links, However, due to the fail-safe design of this component, the loads could still he carried through
the joint and test:ng was continued, The results obtained indicate the high success of the fail-safe design,
A further examp.e of the fail-safe damage tolerant design was the fatigue testing of a ballistically damaged
blade section, This is shown in Figure 21 which shows a blade which had been fired upon by a high-
explosive round, As can be seen, a large amount of damage has been sustained, but the remaining
section carried fatigue loads equal to 5 hours of flying, This fatigue test is shown in Figure 22 where
the specimen 15 subjected to centrifugal loading with the bending moments superimposed, No discernible
crack growth was observed for approximately 22, 000 cycles which is equivalent to over | hour of flight,
and «wrack growth was small up to 25, 000 cycles, In the end, the equivalent of over 5 hours of flight
(approximately 90, 000 cycles) was applied, at which point the test was discontinued, However, even
then, the specimen continued to carry the full application of load (Reference 1).

Mention was made in the early part of this paper of the strap retention system of the rotor, During
the testing of the main rotor hub assembly, several laminate failures occurred in the strap packs, In
order to obtain accelerated results, a subsidiary fatigue test was devised as shown in Figures 23 and 24,
This test applies centrifugal load and chordwise bending and then superimposes the motion of the straps
due to flapping and feathering, Testing was conducted at several combinations of loads and motions, and
information was obtained regarding initial laminate failures, Subsequently, the testing continued in
order to obtain data on the rate of propagation of laminate failures and the residual strength of the str.}
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Figure 21, Exit damage prior to

fatigue test,

Sigure 22,

Blade specimen installed in
fatigue test rig,
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Figure 23, Strap fatigue test,

Figure 24, Strap fatigue test,
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packs, During this testing, results were obtained which showed that the strap pack can sustain loads and
motion equivalent o normal rotor speed condition with more than ten laminates failed out of a total of
twenty-two, At that point, the elongation of the straps was such that the centrifugal unbalance of the blade
on that arm would have given indication of the failure, so the test was discontinued.

Mention was made of the GAG (Ground-Air-Ground) cycles which is a once-per-flight excursion of
loads to a peak value and then removal of load, or even slight reversal, In the case of the main rotor,
the main loads imposed by such a condition are centrifugal to a peak value representing 104 percent nor-
mal rpm. During the testing of the main rotor hub, the fixture described earlier (Figure 9) was used to
apply a series of GAG cycles,

Once every 12 seconds, the load was varied from zero to a full centrifugal force equal to that obtained
at 104 percent rpm, Then a cycle of loads was obtained by rotating the hub at a wobble angle giving the
equivalent of a maneuver. This was sustained for a total of 39, 000 cycles representing 13, 000 hours,
successfully demonstrating the capability of the retention system for the GAG cycle. Similar testing was
also conducted on the blade root-end specimen and on the swept tip section,

CONCLUSION

b~

. The fatigue testing of the main rotor on the YAH-64 Advanced Attack Helicopter was carried
out on several full scale tests,

2. Testing was S-N type, constant amplitude loading, to obtain allowable fatigue curves,
Figure 25 shows a typical 5-N curve.

3. GAG (Ground-Air-Ground) testing was also demonstrated on the main rotor blade retention
system, the blade root-end, and the swept tip.

4, Damage tolerance information was obtained by continuation of fatigue tests after first
detection of crack initiation,

5. A specimen of the main rotor blade after having been damaged ballistically was fatigue
’ tested, demonstrating over five hours of normal operating life,

The success of this fatigue testing to date, indicates that the main rotor blades and hub of the
Advanced Attack Helicopter have satisfactory fatigue strength for all conditions of the operating spectrum,
It also demonstrates that the design is highly damage tolerant, has many fail-safe features, and is highly
survivable,
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Figure 25, Typical S-N curve,
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FATIGUE TESTING OF COMPOSITE ROTOR BLADES
by
F.Och
Messerschmitt-B&lkow~Blohm GmbH
Postfach 801140

8000 Miinchen 80, Germany

SUMMARY

MBB's fatigue testing methodclogy for composite rotor blades, established and proved
during the last 20 years, is based on nonlinear regression analysis.

An equation, proposed by WEIBULL, with four material-dependent parameters is used to
derive mean and working S/N curves between static strength and endurance limit. To cal-
culate a scatter factor, the fatigue failure load for a given number of cycles is chosen
as statistical variable,

The fatigue testing programme is comprised of testing coupons, cut out of production
blades, to establish basic S/N curve shapes both for fibre and matrix failure. Coupon
testing includes temperature/humidity preconditioning effects and the effect of test

temperature as well as service usage on the fatigue strength of unidirectional glass fibre
composite,

Full scale fatigue tests are conducted with root end and aerofoll sections. These
tests include effects of ballistic impact damage and long term environmental effects
incurred during service usage in different climatic zones.

It was found by the tests that the S/N curve shapes and scatter factors determined
from coupon data could be appiied to the full scale specimens. A reduction in inter-
laminar shear fatigue strength was found with coupons, after artificial environmental
exposure. With coupons, cut out of used blades, no degradation could be found, as it
is with full scale specimens.

Composite rotor blades show excellent damage tolerance characteristics, where damage
will bc indicated by changes in the eigenfrequeicies, due to decreasing stiffnesses, long
before the structural integrity will be questioned.

LIST OF SYMBOLS

A ratio of stress amplitude to mean stress
N cycles to failure

R ratio of minimum stress to maximum stress
a,b material-dependent parareters

jP reduction factor

n numbexr of test specimens

s oscillatory stress

Sy fatigne failure stress for a given number of cycles
s, static strength

S, endurance limit

s¥,% 4

y:2 } material-dependent parameters

€ scatter factor
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1. INTRODUCTION

Our activities in fibre composites for primary structures began in the middle 1950s.
The high elasticity of glass fibre composites and their high specific static and fatigque
strength in combination with the ability of composite materials to "tailor" the mechanical
properties became evident. These advantages, as well as the flexibility to achieve the
desired geometry and the ease of fabrication led to the successful development of the
hingeless rotor "SYSTEM BULKOW", of which the glass fibre rotor blades are an essential
design feature. This rotor system can be regarded as a quasi-~articulated rotor, the flap-
ping and lagging hinges of which, are replaced by elastic deformations of the composite
blades [1].

Up to now, more than 500 BO 105 helicopters,equipped with such a rotor system, have
been delivered to customers and next year the BK 117 with the same rotor system will
follou.

Fig.1 BO 105 Production Version Fig.2 BK 117 Prototype

The operations of the BO 105 helicopters in civillian as well as in military missions,
have accumulated over 1 000 000 main rotor blade and 500 000 tail rotor blade hours in the
past ten years, with the fleet-leaders approaching 10000 flight hours on main rotor blades.

As the BO 105 was the first production helicopter with composite rotor blades, fati-
gue testing techniques and methodologies had to be established and proved for certifira-~
tion purposes.

The successful application of composites requires a detailed knowledge of the influ-
ence of the fabrication technology and service environment on the material system. At MBB
fatigue testing of composite rotor blades therefore started with roupon testing to provide
an adequate design data base. Mechanical properties of composites generally depend on

- fibre and matrix properties
- fibre content and orientation
- curing temperature and time
- moisture absorption
- testing temperature
- environmental effects .
In order to take care of any influence on mechanical properties induced by the manu-

facturing process, the coupon specimens were cut out of production blades and the blades'
fatigue strength assessment was performed on full scale components [2].

B e
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! 2. BLADE DESCRIPTION
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As main and tail rotor blades are similar in desiyn, manufacture and constituent
materials, we restrict ourselves to the main rotor blade.

The aerofoil section has a 270 mm chord modified NACA 23012 airfoil. To match the
first inplane natural frequency, the root end area has a reduced choxrd ("swan neck").
The BO 105 blade consists of the following structural parts, having various functions:

- spar, made of unidirectional E-glass, contributes to flapwise (77%),
chordwise (40%), and torsional (32%) stiffness and reacts centrifugal
forces as well as bending and twisting moments;

. - skin, made of ¢ 45° orientated E-glass fabric, contributes to chord-
wise (52%), torsional (44%) and flapwise (14%) stiffness and reacts
N twisting and bending moments; .

- core, made of modified PVC foam, contributes to torsional stiffness
(12%) and prevents skin buckling when bending and twisting moments
are applied;

- erosion strip, made of TiAl6V4, contributes to torsional (12%),
flapwise (9%) and chordwise (8%) stifiness, joins the upper and
lower skins and provides the necessary leading edge protection;

balance weight, made of lead, to position the centre of gravity :
near the quarter chord line.

Fig.5a Rotor Blade Production Process (Skin Lay-Up)
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Fig.5b Rotor Blade Production Process (Roving Tape Lay-Up)

The production process staxts with hand lay~up and impregnation of the skin in an
upper and lower female aluminium mould. Rovin¢ tapes of slightly more than twice the
blade length are impregnated by special equipment. Thesge tapes are then placed in the
moulds onto the skin in such a way that the glass fibres run from the blade tip to che
root end area, around the attachment bushing, and bkack to the blade tip. 7"he tapes are
pressed together and against the skin with : 'mple tools, removing any entrapped air,
and producing a reasonably homogenous sparx which has practically no voids. The inside
profile of the spar is adjusted and checked by templates guided by milled grecoves in the
mould face. The foam core and the balance weight are then inserted into the lower mould.
The upper mould is placed upon the lower mould, the two halves are pressed together and
heated up to curing temperature which is 105 & 30C for § hours. There is only one curing
cycle necessary for the structural elements of the blade, i.e. spar and skin. The blade
is finished by bonding the erosion strip, the tip cover as well as the torsion caps in

the root end area and potting it into the clamshell type titanium root end fitting.

Fig.6 GFC Main Rotor Blade Fig.7 GFC Tail Rotor Blade

3. LOADING SITUATION

It is obvious that when a blade rotates, it is subjected to centrifugal forcew
cyclically applied with each start-stop cycle.

For hingelecs rotors i.e. without flapping hinges it is possible to transfer high mo-
ments fromthe blades to the hub and the fuselage, producing high moment loading at the
blade root area. This moment loading can be reduced by coning the hub arms and thus pro-
ducing an unloading moment from the centrifugal forces. Normally the precone angle will
be chosen for zero moment at design rotor thrust. Other thrust conditions will result in
corresponding moments and it should be pointed out that these moments, primarily resul-~
ting from cyclic control inputs, are the basis of improvements in handling qualities of
hingeless rotor systems. Trim conditions which need a rotor produced moment to overcome
for instance c.g.~travel or slope landing conditions, require an alternating first harmo-

S
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nic moment in the rotating system for the hingeless rotor.

Higher harmonic blade loads and moments at the blade root result from unsteady
aerodynamic flow conditions in forward fligh:t. For a dynamically well-tuned hingeless
rotor these higher harmonic moments are relatively low compared with the first harmonic
moments needed for trim or £flight manoeuvres.

The highest loaded section of the blades of a hingeless rotor is therefore the
blade root attachment area. To correspond closely to actual flight conditions, the fol-
lowing loading has to be considered:

centrifugal forces;
flapwise bending moments;
-~ chordwise bending moments;
torsional moments .

4. FATIGUE STRENGTH PHILOSOPHY

Life prediction methods which have been established and proved successful at MB3's
helicopter division consist of three basic steps: (1) the estimation of the magnitude and
£frequenzy of occurrenceof the loads that will be encountered during the operational life
of thy structure; (2) the sstimationof the components fatigue strengths, taking into
account scattex, size and shape effects, surface finish and environmental influences;
and (3) the comblnation of the interactive effects of these loads and strengths by means
of the "Linear Cumulative Damage Hypothesls" (Miner's rule) [3].

As fatigue tests should be conducted over a range of oscillatory stresses or loads
ut stealy stresses cr loads representative of those occurring in £fI.ght [4], the follow.ing
questions arise: (1) which S/N curve shape shall bhe applied to these data; (2) how can the
influence of steady stresses be taken into account; (3) how to determine the scatter in
fatigue strength to arrive at a working S§/N curve.

The simplest method to evaluate a mean curve is to draw an averaged curve by eye.
A more exact method, however, is to formulate an analytical expression for S/N curves and
to evaluate the free parameters by regression analysis. At MBB's helicopter division the
fol ‘owing formula, proposed by WEIBULL, is used:

8
s =g, + (Bu - sm)/ea(logN) . (1)

This formula allows the establishment of mean and working S/H curves between static strength
sy(N = 1) and endurance limit Sw (M + ).

For modern helicopters the minimum required fatigue life for all dynamic componhents
is at least 5000 hours, leading to minimum load cycles of 10% even for such components

which are loaded by start-stop cycles only. In this case, a simplified formula can be
drawn from equations (1) by setting 8 = 1 which leaves:

8 = 8, + (8% = S0)/N% . (2)

% may be chosen as 1/2, 1/3 and 1/6 for steel, light alloys and fibre composites, respec-
tively.

The influence of s%eady stresses may be taken into account when replacing s* and se
in equation (2) by the following expressions:

s* ()

s*/(1 + b/a%) (3)

So(B) = su/(1 + a/aY), {4)

where the mater.al-dependent parameters a, b, ¥ and z must also be evaluated by rearession
analysis.

To establish a working S/N curve, statistical methods have to b applied, as fatigue
strength is of a statistical nature. In order to determine scatter, a statistical variable,
a function of s or N, must be selected. As the number of cycles N yields infinite scatter
in the regi”sn of the endurance limit, it is not appropriate and we have chosen the fatigue
strengti for a given number of cycles sy as statistical variable. Normally we use N »+
i.e. smor N =1 1i.e. sy or s* respectively. The validity of normal distribution of logsy

is verified and the fatigue strength therefore can be characterized by its median and
standard deviatiomn,

In arriving at a wocrking S/N curve, we usually use a survival probability of 99.9%
and a confidence level of 95% which yields the following reduction factor:

= ¢ 3:090 + 1.645//%

Ip (5)
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5. FATIGUL TESTING PROGRAMME

The fatigue testing programme 1ls comprised of testing coupons, cut out of production
blades to take care of any influences of the manufacturing process, and full scale sections

of the blade .

Fibre composites may fail either by a fibre failure or by a failure of the matrix
or the interface of fibre and matrix. Two different types of coupon specimens are there-
fore fatigue tested to establish basic S/N curve shapes both for fibre and matrix fai-
lure. The specimens of unidirectional E-glass are cut out of the blade spar from various
stations and differ mainly in the length to height ratio, relating to bending and shear
fatigue strength respectively. Coupon testing includes temperature/humidity precondi-
tioning effects, both unloaded and loaded, and the effect of test temperature as well as
service usage,

Full scale fatigue tests are conducted with che following sections of the blade:

= root end section;
~ transition root end/aerofoll section;
- aerofoll section.

These tests include effects of ballistic impact damage and long term environmental
e’ fects incurred during service usage in different climatic zones.

As the full scale components never fail catastrophically, which is typical of com-
posite materials, in some cases the testing 1s continued after initial damage to estab-
lish crack propagation rates and to demonstrate damage tolerance characteristics.

Bending Fatigue Tests

Fatigue inBending
6 30"

b &

: Pm+Pa

o
] & kil

=

.

Fig.8 Bending Patigue Test Set-Up

Three point Lending of relatively slender specimens (Fig. 8) leads to high stresses
in the glass fibres on the upper and lower surface, thus producing fibre failure. Damaye
starts on the surface with the highest teusion loading by delaminatlon and fibre cracking
and propagates into the sp:cimen causing a decrease in the bending stiffness. Crack pro-
pagation rate depends on the stresses applied, but is very low compared with metals. In
this way we conducted tests with different stress ratios (- 1 < R < 0.5).

The data points and the regression curve for a stress ratio of R = 0.2 are presented
in Fig. 9. Results of specimens (marked with triangle) which were cut out of a rotorblade,
in service for 2600 flicht hours in the Gulf of Mexico region, are well within scatter.

The results of all bending fatigue tests casried through up to now on E-Glass with 55%
fibre content are presented as a Haigh diagram in Fig. 10.

We have also fatigue tested notched long beam bending specimens with different
notch shapes and found no stress concentration effects. The results fit reasonably into
unnotched Aata, when the strength is referred to net section. Cracks started at the not-
ches and propagated parallel to the ribres, thus not effecting the net section.

e




14-7

N: 600 (-?
T ] ° &
Z [ > ° oy 1500 ?

0 z |
? ?m}} z !
w
& 400 °°k‘? T 2
v £ 1000
g Y G
2 300 o X
e e oo, | g
uw
= 200 8 -
8 ¢

iy

° 0 7 Z 7 o8 o
w0t ® 0 0 10° I
CeLes STEADY BENOING STRESS NM2[STATIC BENDING
STRENGTH
Fig.9 Bending Fatigue S/N Curve Fig.10 Bending Fatigue Haigh Diagram

Shear Fatigue Tests

Pm¢ Pa

Fatigue in Shear

2,40

Fig.11 Shear Fatique Test Set-Up

Three point berding of shorter specimens (Fig. 11) leads to high interlaminar shear
stresses in the neutral plane of the specimen which produces matrix or interface failure.
Shear crack propagation was observed to be as fast as with metals. Tests were conducted
with different stress ratios (- 1 < R < 0.5). The data points and the regression curve
for a stress ratio of R = 0.11 are presented in Fig. 12. Results of specimens (marked
with triangle) which were cut out of a rotorblade, in service in the Gulf of Mexico
region for 2600 flight hours, are well within scatter. The results of all shear fatigue
tests,carried through up to now, are presented as a Haigh diagram in Fig. 13.
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As environmental exposure is expecied to mainly influence the matrix and the inter-
face of fibre and matrix, short beam bending tests were conducted to evaluate both tem-
perature and humidity preconditioning effects, unloaded and loaded, on the shear fatigue
strength. The specimens were exposed to the following three variations of simulated
weathering:

Climatic Condition No. 1i:

% hours at 90°C and 70% relative humidity
(x = 10 resp. 100 resp. 1000)

Climatic Condition No. 2:

1 cycle = 168 hours
= 4 - (15 hours at ultraviolet radiation +
+ 9 hours water submersion) + 72 hours at 70%¢C

Climatic Condition No. 3:

1 cycle = 168 hours
=4 + (10 hours at 729C and 92% relative humidity +
+14 hours at -40°C) + 10 hours at 720C and 92%
relative humidity + 62 hours at 23%C and 50%
relative humidity .

Fig. 14 summarizes the endurance limity (values at 10® cycles and R = 0.11) of each
preconditioned data set plotted versus number of cycles or hours of climatic exposure.
The difference of the three climatic conditions is insigniflcant within the exposed cycles
and after about 5000 hours of exposure, there was an average 12% reducticn in endurance
limit.
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Short beam bending tests were also conducted at -40°9C, 30%C and 70°C respectively
to evaluate the effect of test temperature on static and fatigue shear strength. From
the data of Fig. 15, it is observed that test temperature effects both static and fatigue
strength by the same amount, i.e. about 25% higher shear strength at -40%C and about 25%
lower shear strength at +70%C in comparison with room temperature.
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Flg.15 Test Temperature Effects on Shear Strength

For both bending and shear fatigue strength a scatter factor in stress direction
of the magnitude of € = 1.06 is found. This value is about the same as that typically
encountered in fatigue test data for the competing materials,

Root End Section Fatigue Tests
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Fig.16 Blade Root Specimen Fig.17 Test Bench for Blade Root Testing

As with a hingeless rotor system the root end section is the highest loaded part
of the xgotor blade, we concentrate our activities on this item. The specimen consists of
blade section inboard of aerofoil section, titanium attachment fitting, main and lead
lag bolts as well as titanium inner sleeve.

The purpose of the test is to evaluatec the fatigue strength of the blade root
end section and the blade to hub attachment joints. The outhoard end of the specimen
isbuilt up with loading doublers and load applicaticn attachments, whe.e flapwise,
chordwise and torsicnal loadings are applied through excenters. An axial steady load
which simulates centrifugal force is also applied to the spacimen.

Failure occurs in thz composite material within the attachment fitting (Fig. 18)
after the stiffness of the .lade has dropped significantly at relatively high stress
levels. Tne reason for the failure may be a hot spot due to high stresses and fretting
between the blade loop and the fitting.
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Fig. 19 shows the root end section data and the mean S/N curve. As we have tested
up to now more than 30 specimens, the full scale data can be used to establish the scat-
ter factor.
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Fig.18 Failure of the Root End Specimen Fig.19 Root End Section S/N Curve

One specimen was subjected to more than 70000 start-stop cycles without failure.
Another specimen was tested at 70°C and no difference to testing with room temperature
could be found. One specimen was tested unter artificial weathering conditions (-40°C
to 500C and 90% to 95% relative humidity) without failure,

Resistance to ballistic impact was shown by testing a specimen penetrated by armour
plercing ammunition .30 APM 2[S5]. After more than 7 million cycles at highest flight loads
the damage had not propagated at all.

To evaluate the long term effects of the environment on structural integrity, MBB
has started a project, sponsored by the German Ministzy of Defence, to inspect and test
high time service main rotor blades. Up to now two blades, one with 2600 flight hours
flown in the U.S.A. over the southern coastal reglion of Louisiana and the Gulf of Mexico
and the other with 3700 flight hours flown in U.K. over the North Scottish coastal. region
and the North Sea were tested.

The physical property tests showed no differences between new and used blades which
were attributable to composite material. All stiffnesses and frequencies were within the
same range of scatter. Both blades, however, showed indications of delaminations in the
torsion caps near the root end fitting. To demonstrate damage tolerance characteristics,
testing was performed with flight loads.

After 400000 cy=zles of the 2600 hours blade the delaminated torsion caps showed
indications of cracks and therefore were removed for inspection of the spar, but no
damage could be found. The test was stopped at this stage for reasons other than the
components fatigue strength.

After about 1 million cycles, the second klade (with 3700 flight hours) also showed
cracks in the torsion caps, but testing was continued with very low crack propagaticn in the
caps up to more than 15 million cycles without any decrease in stiffness. Thereafter the
load was increased by nearly S50% and the crack propagation accclerated. The test was
stopped after 2.5 million cycles of elevated loading with a crack length in the caps of

more than 200 mm and a stiffness reduction, both flapwise and torsional, of more than
10%.

Transition Section Fatigue Tests

The specimens, consisting or root end section and part of aerofeil section, are
loaded chordwise in three point bending, with the highest bending moments occuring at
the transition from "swan neck" to aerofoil section. The outboard end of the specimen 1s
built up with loading doublers and load application attachments, where clicrdwise oscilla-
tory loads and axial steady loads, to simulate centrifugal force, are applied.

Failure occurs in the composite material at the beginning of the aerofoil section
(Fig. 20). The loads applied to the specimen, representing elevated levels cf flight
load distribution, initiated delaminations aft=r about 1 million cycles. The test was
stopped after more than 30 nillion cycles with a crack length larger than 100 mm. As
this test has shown that a very low crack propagation rate even with extreme high loading
may be expected, only cwo specimens were cested.
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Fig.20 Fallure of the Transition Section

Aerofoll Section Bending Fatigue Tests
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Fig.21 RAerofoil Sectlion Bending §pecimen Fig.22 Resonance Test Bench

The blade's aerofoil section, where centrifugal forces are low and flapwise bending
predominates, is tested on the blade resonance test bench in flapwise bending. In this
machine the first free-free mode is excited by an excenter at a point near a node,whereas
the blade is supported at another node of its flapwise bending mode. The amplitude is
controled by the stroke and the speed of the excenter.

The tests are conducted to establish the fatigue strength under alternating strain
of the basic blade as well as of the erosion strip, the deicing mat and the bonding of
these to the blade.

Failure in the composite material occurs when the alternating strain exceeds 0.6%
which is equivalent to a stress of %50 N/mm2. This is in good agreement with the results
of bending fatigue tests on coupoas as shown in Fig, 10.

Combat damage resistance of the blade is shown by testing an aerofoil section which
has been penetrated by armour piercing ammunition. Damage propagation can be seen with an
applied alternating strain of at least0.5%([5].

The aerofoil section of a blade with 2600 flight hours (see Root End Section Fatigue
Tests) shows no failure after more than 14 million cyclesato0.6% alternating strain.

Fig. 23 shows the aerofoil section bending fatigue data and the mean S/N curve with
a shape based on coupon bending fatigue tests.
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Fig.23 Aerofoil Section Bending S/N Cuxve

Aerofoll Section Torsion Fatigue Tests

Fig.24 Torsion Test Set-Up Fig.25 Tension-Torsion Test Set-Up

As the ends of the aerofoil section specimens are not very highly loaded during
bending tests, these parts will be cut off thereafter and tested for torsion faligue.
We apply alternating torsional load on specimens of 600 mm length (Fig, 24) and addi-
tional axial steady loads on specimens of 900 mm length (Fig. 25).

Failure occurs either by cracks in the blade skin (Fig. 26) or by separation between
skin and foam (Fig. 27) or by delamination of the trailing edge. In all cases damage pro-
pagation 1is very slow and failure is indicated by a decreasing torsional stiffness.

Fig.26 Crack in the Blade Skin
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Fig.27 Buckling of the Blade Skin

The aerofocil section torsion fatigue data and the mean S/N cuxve are shown in Fig. 28
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Fig.28 DRerofoil Section Torsion S/N Cuxve

6. COSCLUDING REMARKS

From more than 20 years experience at MBB with composite rotor blades, through

testing

some thousand specimens cut out of blades and more than hundred full scale speci-

mens, the following conclusions can be drawn:

S/N curve shape between a few cycles and the infinite may be represented by a
single eguation;

influence of steady stresses may be taken into account in this formula;
material-dependent parameters must be¢. evaluated by non linear regrepssion analysis;
log sy shall be selected as statistical variable;

scatter factors of composite materials are not dissimilar to those for metals;

coupons shall be cut out of production blades to take care of any influence of
the manufacturing process;

two different types of coupons are necessary, as fibre ccmposites may fail either
in or between the fibres;
‘
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(1]

(2]

(3]

(4]

(5]

~ coupon data shows a 12% reduction in interlaminar shear fatigue strength due to
5000 hours artificial environmental exposure;

~ test temperature effects both static and fatigue interlaminar shear strength by
the same amount, i.e. 25% higher at -40%C and 25% lower at +70°C compared with
room temperature strength;

~ S/N curve shapes and scatter factors determined from coupon data can be applied
to the full scale specimens;

~ full scale subcomponent testing is a practical way of showing compliance with
the strength requirements;

~ composite main rotor blades following almost 4000 hours of flight time show no
degradation in their properties;

~ fatigue fallure modes in the full scale tests are of gradual nature, even when
ballistically impacted;

~ changing eigenfrequencies, due todecreasing stiffnesses, will indicate damage
long before the structural integrity will be questioned.
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Report on Session IV
TESTING TECHNIQUES AND METHODOLOGY
by

Dean C.Borgman
Director of Advanced Systems
US Army Aviation R&D Command
AVRADCOM
St Louis, MO 63120, USA

This session on Helicopter Fatigue Testing Techniques and Methodology included five papers. The papers covered
the spectrum of testing, from discussion of test techniques for a complete aircraft, down to major assembiies such as
transmissions and rotor hubs, down to major components such as the main rotor blade,

The first paper of the session was presented by Messrs. Petard and Lambect and was entitled, “‘Fatigue Testing
of the Complete Structure of the Aerospatiale SA 341 Gazelle”, The paper was very interesting and discussed three
major topics. First the loading distribution and the techniques for simulating the loading distribution were described,
secondly, the test facilities and testing techniques utilized were discussed, and thirdly, the results of the tests were
described. The testing simulated in excess of 20,000 flight hours over a four-year period. Included in this simulation
were 68,000 take-off and landing cycles. The failures which were identified as a result of the testing were categorized
into four types. The first of these were of minor consequence and were primarily cosmetic in nature, The three
remaining types of failures were progressively more sgrious and 1elated to safety of flight. Of these, the most serious
appeared to be the development of cracks in bulkhead areas where the canopy was supported, The zuthors reported
good correfation between the testing which was accomplished and experience which has been gained from Jield service.
From the questions which were asked by the audience during the discussion period, there was evidence of vonsiderable
interest in the motivation for the test, In addition, questions were raised as to the cost effectiveness of this type testing.

The second paper of the session was presented by Mr Zincone and was entitled, “Helicopter Gearbox Testing”.
This extremely informative and interesting paper discussed the advantages of over-stress testing in the Jevelopment of
new helicopter transmissions. The author pointed out that testing at accelerated loadings geaerally produces non-linear
increases in stresses and, therefore, precautions must be taken to accurately account for the increased deflections which
can result from this condition. Also, over-stress testing requirements place design conditions on the helicopter trans-
mission which must be accounted for by the helicopter designer. Finally, and perhaps most importantly, Mr Zincone
pointed out the differences which exist in the acceptance ciiteria l2:d down by various certifying agencies. He
recommends the establishment of a standardized acceptance criteria as part of a helicopter gearbox test speifivation.
This specification would be developed jointly by the industry and the certifying agencies.

The third paper of the session presented by Mr Baker was entitled, “Fatigua Testing of Helicopter Gearboxes™.
Mr Baker provided a comprehensive review of the fatigue test.ng philosophy and techniques utilized at Westland
Helicopters. He stressed the significant costs which are associated with fatigue testing, both in terms of time as well as
materials and labor. This paper also recommended further standardization of test methods and factors utilized in
fatigue testing. This paper generated a discussion on testing requirements for main gearboxes, during which time the
advantages 2nd disadvantages of main gearbox fatigue testing were discussed.

The fourth pap-.r of the session authored and presented by Mr McDermott was entitled, “The Methodology

Aprlied to Fatigue Analysis and Testing of the Main Rotor Blade and Hub of the YAH-64 Advanced Attack Helicopter™.

The presentation included an excellent description of the helicopter system and a complete review was provided of the
full-scale fatigue testing of the YAH-64 main rotos, The testing that has been completed to date has been done at
constant amplitude loadings. S-N allowable curves have now been generated, Some components have alsv been G-A-G
tested, and damage tolerance information is being collected. A significant resuli from the damege tolerance testing that
has been completed is the demonstration of over five hours of vperating life on the main rotor blade after it has sus-
tained significant ballistic damage.

The last paper of the session authored and presented by Mr Och was entitled, “Fatigue Testing of Composite
Rotor Blades™. This was a very thorough paper, based on the MBB's experience of more than 20 years of composite
rotor blades. Mr Och pointed out that the S-N curve shape may be represented by a single equation, with the mazernal-
dependent pa:ameters being evaluated by a non-linear regression analysis. MBB has concluded that S-N curve shapes
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and scatter factors which are determined from coupon data can be applied directly to full scale composite specimens.
In the discussion period which followed, Mr Och indicated that MBB’s most recent data indicates a 6% scatter factor.
All of MBB’s experience confirms the soft failure mode of composites. The failure modes which have bean identified
are all gradual, even in the presence of ballistic damage. The affect of decreased stiffness on frequency which results
from material failure is a good indicator of damage long before the structural integrity of the component becomes a
problem.

In summary, Session 1V was an unusually good collection of presentations and provided a significant contribution
to the overall success of this Specialists’ Meeting.
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DEVELOPMENT OF STANDARDISED FATIGUE TEST LOAD HISTORIES FOR HELICOPTER ROTORS -
BASIC CONSIDERATLONS AND DEFINITION OF HELIX AND FELIX

J. Darts
Royal Aircraft Establishment, Farnborough, Hampshire, England

D. Schiitz
Fraunhofer-Institut fur Betriebsfestigkeit, LBF,
Darmstadt-Kranichstein, West Germany

SUMMARY

The loading environment experienced by helicopter rotor components is generally
around the constant amplitude fatigue limit. Realistic assessment of the fatigue
pexformance of helicopter materials and design details by flight simulation loading
therefore results in long testing times which are expensive on electrohydraulic machines.
The adoption of a standard loading history for such assessments should reduce the amount
of testing required and greatly increase the technical value of individual test results.
This is because with an agreed standard a wealth of relevant data accumulates quickly,
which may negate the need for some tests and glves extensive comparative data for others.
Large evaluation programmes can therefore be more readily shared between different
organisations and countries because the results of the programme will be comparakle with
the organisations' own standard data and the standard data previously accumulated. This
paper describes the development of two standard load histories for the fatigue evaluation
of helicopter rotor materials and design details.

The work presented in the paper is the result of collaboration between LBF, IABG
and MBB of West Germany, NLR of The Netherlands and RAE of the UK.

1 INTRODUCTION

The loading environment for a helicopter is the result of the combined action of
turbulence, manoeuvres performed by the helicopter and the rotating machinery which gives
the helicopter its unigue performance. A large number of stress cycles are inuuced in
the helicopter by this environment and fatigue is a major consideration in its design.
This Report concentrates on one aspect of the well documented!:? fatigue substantiation
procedures of helicopters.

Fatigue evaluation unrelated to specific projects, that is fatigue texting of
materials, material that has undergone different manufacturing processes and design
details of components, is an essential part of the design and development of a helicopter.
For fatigue evaluation it is normal practice that the testing is carried out with con-
gtant amplitude loading but in the rare case where variable amplitude loading is used the
spectrum of loads is very simplified3, There is however extensive evidence:3 of the
inherent inaccuracies in using constant amplitude loading for evaluation purposes and of
the need to assess the accuracy of the life estimation method by flight simulation load-
ing. Flight simulation loading can be, however, an unpopular evaluation tool because its
application requires expensive electrohydraulic fatigue machines. Also these machines
give testing times at least twice that of conventional methods.

The problem of expense that results from using flight simulation loading for the
fatigue evaluation of fixed-wing aircraft materials, etc, has in recent years been
mitigated by the development of standard loading sequences. Adoption ¢f standard
sequences reduces the amount of testing required in some cases and greatly increases the
technical value of individual test resulte, This is because a wealth of relevant data
accumulates quickly which negates the need for some tests and gives extensive relevant
comparative data for others. Large evaluation programmes can therefore be more readily
shared between different organisations and countries because the results of the pro-
oramme will be comparable with the organisations' own standard data and the standard data
previously accumulated. This co-operation in fatigue test evaluation programmes promotes ¥
collaboration in other research areas. '

A detailed discussion of the theory of standard load sequences follows in section 2
but the success of this approach to evaluation programmes can be judged by the number of
countries that have used or intend using the standard loading for a fighter aircraft,
FALSTAFF®; Australia, Canada, France, Vlest Germany, Holland, Israel, Italy, Sweden,
Switzerland, UK and US.

This Report describes part of a collaborative study between West Germany, Holland
and the UK in which standard loading sequences for the fatigue evaluation of helicopter
rotor materlals, etc, are being defined. Details of the contributing organisations and
individuals are given in A~pendix A. The ultimate aim of the study is to assess the
suitability and economics .f 1sing standard flight simulation loading instead of constant
amplitude loading for the fatigue evaluation of helicopter rotcr materials, etc. This
Report descxibes two phases of the study. Firstly the analysis of usage and loading data
at the fatigue critical rotor section of four helicopters to assess the similarity of
spectra. The helicopters considered in the study were Sea King and CH-53. articulated
rotor helicopters, and Lynx and B0-105, semi-rigid rotor helicopters. Secondly the
definition of standard spectra and the melhods of generating the loading paitern to give
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a2 realistic representation of helicopter usage. In both phases the articulated and semi-
rigid rotors are discussed separately as it was considered that a standard spectrum was
required for each of the rotor types. The definition of the standard loading sequence
for an articulated rotor is complete but that for the semi~rigid rotor still requires
further work.

A second report7 describes the practical use of these loading sequences and some
initial fatigue test results.

Past experience has shown that the assignment of a simple name to a standaxd load-
ing history promotes discussion and avoids confusion between the different standards. The
transport aircraft loading standard is called TWIST® (Transport WIng STandard loading)
and the fighter aircraft loading standard is called FALSTAFF6 (Fighter Aircraft Loading
STAndard For Fatigue evaluation). For the helicopter standard loadings the oxigin of the
word helicopter (helix~spiral, pteron-wing from Greek) has provided suitable names for
the standards, viz:

Helix - loading standard for 'hinged' or articulated rotors
Felix - loading standard for 'fixed' or semi-rigid rotors.

The second of the names proves to be particularly appropriate as an early pioneer in
helicopter development was Felix Tournachon. The lower case lettering is because the
names Helix and Felix are nct acronyms.

2 DEFINITION OF STANDARD LOAD HISTORY

The loading pattern experienced by a helicopter, fighter or transport aircraft
varies tremendously because of different aircraft capabilities and usage., There is,
however, a degree of commonality between the loading experienced by similar aircraft
types. For example the bending load histories neaxr the wing rcots of fighter aircraft
will differ widely in severity but the spectrum of loads will have a similar shape. The
spectrum is generally asymmetric (larger positive loads than negative) and the spectrum
of positive loads has a convex shape. In contrast the spectrum of wing root hending
moments for a transport alrcraft is symmetric and the spectrum of positive loads is
concave, In both cases examination of flight records of loads reveals that. flights are
divided by recognisable ground-to-air transitions and different severities of flight are
apparent, A loading sequence that, say, represents the characteristics of a transport
alrcraft spectrum can be said to be a typical service loading history.

A standard load sequence is a well defined load history that is considered repres-
entative of typical service loading in a specific type of structure. It is a tool for
comparing the fatigue life of A with B where, for example, A and B are materials, design
details or tests with and without corrosive environment. A standard load sequence is not

intended for the fatigue testing components for a specific aircraft because a loading
sequence that reflects that airc - usage would be more appropriate.
From the above discusscion i tc seen that the standard load sequences for

helicopter rotors need to reflect ... jeneral pattern of aircraft usage. There shoutld
also be similarity in loading spectra for any group of aircraft covered by one standard.

3 DESCRIPTION OF HELICOPTERS IN THE STUDY
The four helicopters discussed in this Report are as follows.
(a) Westland Helicopters Ltd - Sea King

A twin-engined aircraft having a maximum take-off weight of 9530 kg used mainly for
anti-submarine warfare operations., The rotor 1s articulated, 18.9 m in diameter, and has
five blades., The rotor head materials are titanium and steel and the blade spars are
aluminium.

(b) Sikorsky - CH-53D/G

A heavy transport, twin-engined aircraft with a maximwn take-off weight of 19050 kg.
The rctor construction is similar to the Sea King but there are six blades and the xotor
diametexr is 22 m,

(c)  MBB-BO-105

A twin-engined, multi~purpose aircraff with a maximum take-off weight of 2400 kg.
The semi-rigid rxotor, 9.8 m in diameter, has four blades. The rotor head material is
titanium and the blade material is glass reinforced plastic.

{d) Westland Helicopters Ltd - Lynx

A twin-enyined, multi-purpose aircraft with a maximum take~uvff weight of 4760 kg.
The semi-rigid rotor, 12,8 m in diameter, has four blades, The rotor head material is
titanium and the blade spars are stainless steel.

The four helicopters above have two fundamentally different rotor designs. The Sea
King and CH 53 have an articulated or 'hinged' rotor whose characteristics locate the
maximum flapwise bending moment in a rotor at about half rotor radius. The Lynx and
BO-105 have a semi-rigid or 'hingeless' rotor whose characteristice locate the maximum
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bending moment inboard of, or at the blade toot. In the discussion of loading data in
the sections that follow the data for the two rotor designs are considered separately and
are referred to as articulated and semi-xigid rotors.

4 ASSESSMENT OF HELICOPTER USAGE AND LOADING PATTERNS
4.1 Introduction

To define a st-ndard load sequence aixcraft usage and loading patterns should be
assessed and loading pectra similarity demonstrated (see section 2). In the following
sections helicopter : rtie patterns and flight length variations are discussed to deter-
mine typical aircraft usage. In this Report flight is a term used to describe the period
between take-off and landing while a sortie describes a type of flight fulfilling a
particular role. Loading patterns are considered by the assessment of the type of
manoeuvres and time spent therein to perform a sortie. For the articulated rotor heli-
copters data on manoeuvre mixes were available for three characterlstic sorties while for
the semi-rigid rotor helicopters there was only an average usage mix c¢f manoeuvres. Load-
ing in the critical rotor section induced by the heilcopter manoeuvres is considered,
concluding with a comparison between Se¢a King and CH-53 transport spectra and BO-105 and
Lynx average usage spectra.

4.2 Mix of sorxtles

The helicopter is a utility alrcraft that can be used in a variety of roles. One
helicopter may perform one role in preference to others, for example a hellcopter may be
allocated to search and rescue operations, but will on occasions fly training and trans~
port sorties.

In section 4.4 it will be seen that the different sorties have differant loading
spectra and therefore any loading segquence must take accourt of the varlety of sorties
performed by a helicopter. 1In 1974 a survey? of UK Service use of helicopters was con-
ducted and sortie types recorded. The ailrcraft types in the survey included Sea King,
Gazelle, Scout, Wasp, Wessex, Whirlwind and Puma, totalling 500 individual aircraft and
75000 flying hours. The results of the survey were considered suitable for this study
because o?ger surveys of helicopter usage have generally been limited to one theatre of
operation!V,

An objective of this study was that the loading sequence should reflect the general
pattern of usage of helicopters and therefore the sortie mix was taken to be the average
of all the aircraft sortie patterns in the survey. In the survey a wide variety of
sortie codes was recorded but to represent all of these sorties in the loading standard
would have been a difficult task. Examination of the survey revealad that the majority
of sorties could however be categorised under the general headings of Trai.ing, Transport,
Anti~Submarine Warfare (ASW) and Search and Rescue (SAR)., An examination of the
manoeuvres performed by a helicopter would also result in these four sortie categories
being evident. Table 1 lists the percentage time spent in each of these four sorties for
all the helicopters in the survey in comparison with the sortie mix for just Sea King.
This comparison reveals the above-average use of Sea King in an ASW role.

The sortie mix for all aixcraft in Table 1 was selected for the loading standards
for both the articulated and rigid rotor aircraft. The major reason for choosing this
sortie mix was that the loading standards needed to reflect the general uvsage of heli-
copters in order to represent all the significant loading patterns experienced by the
rotor (see section 2). Adoption of, say, the Sea King sortie mix would have resulted in
a standaxd that was only applicable to a helicopter used mainly in ASW operations.
Despite the survey data being only of UK origin it was found to be a good representation
of what was known about Dutch and German hellcopter usage.,

4,3 Flight time for a sortie

The major alternating loads on a helicopter rotor blade are a result of varying
loading conditions as the blade rotates and changes in 1lift induced by pilot control
movements. The number of load cycles accumulated by the blade is therefore related to
the flying time. (This is unlike the case of a transport fixed-wing alrcraft where the
majority of loading cycles occur during the climb and descent phase of flight. The
number of cycles accumulated is therefore dependent on the number of flights.) The
flight times and mix of sorties determine the minimum number of flignts the standard
loading has to simulate in order to represent the most infrequent flight duration. The
survey of UK helicopter usage discussed in section 4.2 also gave the fllght durations for
each sortie.

In order to represent adequately the variability of usage of helicopters, more than
one flight duration per sortie was necessary as had been used in other aircraft standard
loadings®,8, only detailed information on Sea King flight durations was readily available
from the survey and it was considered that representation of flight length variation was
more important than the differences that might exist between Sea King and all-aircraft
£light. durations. The Sea King flight durations were categorised into intervals of 15mn
to compress the data. The results of this analysis are illustrated in Fig 1 for Training
and Transport and Fig 2 for ASW and SAR sortiles.

To sensibly represent the distribution of flight durations, illustrated in Figs 1
and 2, in the loading standards a further compression of the data was needed., Three
flight lengths for each sortie were chosen by considering the data in Figs 1 and 2, the
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maximum length of the loading sequence and the occurrence of the most infrequent sortie
and flight length (see Appendix B). In the generation of both Helix and Felix flight
durations of 0.75, 2.25 and 3.75 h were chosen for each of the four sorties.

4.4 Mix of manoceuvres in a sortie

To perform a defined sortie a helicopter will need to fly certain patterns of
manoeuvres. For example a helicopter in an ASV role involving sonar dunks will go
through a transition from cruising speed to hover, deploy and retrieve the sonar bucy,
accelerate and manoeuvre to a new search area. Py recording this information the average
time spent in a manoceuvre during a sortie can be estimated. The time spent in some man-
oeuvres will depend on the f£light duration while others may occur only once or twice per
flight. With a knowledge of the manoeuvres performed and the loading on the aircraft
during these manoceuvres a spectrum of loads can be compiled for che sortie. The record-
ing of frequenc¥ and duration of manoeuvres during operatioral sorties is an area of
current study?,11,12 but from experience mixes of manoe v.res have been defined for use in
design and certification of aircraft. Loading spectra sy:vhesised from design mix of
manoeuvres have in most cases compared favourably with measured operatiunal spectral3d,lé4,

The design mix of manoeuvres for Sea King in the Transport, ASW and SAR roles are
listed in Table 2 in terms of percentage time spent in 24 manoeuv::«s. The definition of
the Training role in these terms is difficult because this xole can vary from say half an
hour of handling exercices to a two-hour route following soxtie. The inclusion of the
Training sortie in the loading standards is discussed in section 6.4. Table 2 demon-
strates the dependence of the severity of loading on the sortie performed. For example a
Sea King performing an ASW sortie spends about one-third of its time hovering while in
the Transport xole over three-quarters of the flight time is occupied by forward flight
at 103 kn. Hover is a manoeuvre that generates relatively minor loads whereas the load-
ing in forwaxrd flight at 103 kn is significant (see Teble 6, section §.2).

At the time of the study a design mix of manoeuvres was not avallable for the
CH-532. ,

The design mix of manoeuvres for the Lynx and BO-105 are similar and are in turn
similar to published design spectra!3, Unlike the Sea King manoeuvre mix, that for Lynx,
listed in Table 3, is for an average sortie, The 43 flight conditions defining this
average sortie are listed in terms of percentage time spent in a manoevvie and
occurrences per hour for infrequent f£light conditions.

The Sea King mix of manoceuvres was used to develop the Sea King spectrum for
comparison with the overall loading spectrum of CH-53 (section 4.7) while the Lynx mix of
manoeuvxes was used to develop the BO-105 spectrum for comparison with the overall load-
ing spectrum of Lynx (section 4,10).

4.5 Sea King blade loads

During the Sea King main rotor flight test stress histories for a number of
locations on the rotor were recorded to aid the fatigue substantiation. The area of the
rotor of interest to the current study was at about half rotor radius, where in an
articulated rotor system the maximum flapwise bending moment occurs, on the lower surface
of the blade which is generally under tensile load.

Stress histories were avallable for the lower rear corner of the blade spar at
55.9% rotor radius for most of the manoeuvres describing a Sea King sortie (see Table 2).
These stress histories werxe analysed with a range-mean pairs counting method by Westland
Helicopters Ltd (WHL) to form for each manoeuvre a mean-alternating stress matrix. An
example of a stress matrix is illustrated in Fig 3 for normal approach to hover, cne of
the manoeuvres tha: produces the severest loading, The mean stresses include a contri-
bution due to centrifugal force. As & range-mean palrs counting method was used to
analyse the stress histories, the counts recoxrded in the matrix are whole stress cycles.
For each matrix the flight time analysed varied but was generally around 5 s, Examina-
tion of two matrices for the same manoeuvre did indicate a considerable variation in the
number and magnitude of stress cycles in the matrix and therefore for each manoeuvre the
matrix considered most damaging was used in the study.

At the time the Sea King transport spectrum was constructed for comparison with the
CH-53 transport spectrum stress matrices were not avallable for take~off, forward fiight
at 20 kn, 30 kn and 40 kn, recovery from rearwards flight, descent, spot turns and
landing. Examination of the peak loading in flight suggested that take-off, forward
flight at 20 kn and 40 kn, and landing could be simulated by sideways flight to star-
board, forward fiight at 30 kn by forward flight at 113 kn, recovery from rearwards
flight by recovery from sideways £light to starboard, descent by forward flight at 103 kn,
spot turns by rearwards flight. In the final stages of defining the standard loading
matrices were available for all the manoeuvres except descent which, based on recent WHL
experionce, could be simulated by 60 kn forward flight. This latest data confirmed the
validity of the assumptions made earlier in the comparison of the two spectra.

4.6 CH-53 blade loads

To determine tatigue load spectra for German Air Force usage of CH-53 helicopters,
in-flight measurements of srvrain were recorded for a number of simulated sorties. The
strains were measured a. the lower rear corner of the blade spar at about half rotor
radius, a position compatible with the Sea King measurements., Out of a total of
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26 flights flown nine flight records were analysud using a range pairs counting method.
Five of these nine flights wexre Transport sorties and the remainder Training sorties.
Only overall loading spectra could be determired from the flight records because the
transition from one manoeuvre to another could not be accurately determined, making an
analysis on a manoeuvre~by-manoceuvre basis difficult. The spectra for the five Transport
and four Training sorties are illustrated in Figs 4 and 5 respectively. For ease of
presentation the mean stress of the cycles has been ignored. In addition to the indi-
vidual flight spectra, mean spectra for transport and training are illustrated.

4.7 Comparison of CH-53 and Sea King spectra

Spectra for both CH-53 and Sea King performing a transport role were compared to
assess the similarity of spectra from two different articulated rotor aircraft. fThe
CH-53 data had been collected in the form of an overall spectrum describing the transport
role (see section 4.6) but the spectrum for the Sea King in the transport role had to be

synthesised from the loads in individual manoeuvres combined in the appropriate ratio for
a transport role.

The initial step in the synthesis of the Sea King transport spectrum was to reduce
the number of counting intervals for the stress amplitudes so, for example, counts of
cycles between stress amplitudes of 17.2 MPa to 18.95 MPa and 18.95 MPa to 20,7 MPa were
all counted in the interval of 17.2 MPa to 20.7 MPa (see Fig 3). Then assuming that

n = number of cycles counted between stress amplitudes o, and oy, at a mean
stress of %m in matrix analysis time of t hours;

= proportion of time a manoeuvre occuples in the transport role;

= number of manoeuvres in transport role;

N = number of cycles per hour between o,y and o055 at a mean stress of

the transport role; then
i=k
n
N = 2: pi i .
ty
i=1

The result of this analysis is presented in Fig 6 in the form of a mean-alternating
stress matrix. Development of this spectrum includes the assumptions discussed in
section 4.5 on the loads in manoeuvres for which data were unavailable. The large number
of cycles in the lowest stress amplitude counting interval in Fig 6 were a result of
loads accumulating at frequencies higher than fundamental. Counts in the other intervals
indicate that the higher stress amplitudes accumulate at less than or about the funda-
mental frequency of one rotor revolution. Aside from the counts in the lowest counting
interval the majority of the cycles occur at mean stresses between 75.8 MPa and 82.7 MPa
and it was therefore cunsidered reasonable that for this comparative exercise all the
stress cycles in the Sea King spectrum could be taken to be at one mean stress.

o in

The CH-53 and Sea King spectra are presented in Fig 7 in which variations of mean
stress have been lgnored to ease comparison. Fig 7 reveals that both spectra have the
characteristic shape reported in the literaturel6 for helicopter spectra and despite the
different data sources, alrcraft weights, usage, number of rotor blades and the fact that
the Sea King spectrum was synthesised the spectra compare favourably even in the high
stress region, particularly important to blade fatigue life, The severity of the two

spectra can be judged by comparing them with the constant amplitude fatigue limit of a
titanium alloy indicated in Fig 7.

The favourable comparison of the CH-53 and Sez King spectra for the transport role
led to the conclusion that a standard loading sequence for an articulated rotor could be
defined and that data from both Sea King and CH-53 could be used in its synthesis.

4.8 B0-105 blade loads

An instrumented BO-105 was flown to the pattern of manoeuvres that describe the
design mix of manoeuvres discussed in section 5., Strains were measured on the lower sur-
face of the blade root, the most highly stressed region, for each of these manoeuvres.
The flight record of a single flight was analysed by the rainflow counting technique
(generally equivalent to range-mean pairs counting) to form mean-alternating strain
spectra for each manoeuvre. The counts of cycles in each mean-alternating strain inter-
val were factored to account for the duration of the manoeuvre in the design mix of
manoeuvres. Summation of the individual spectra for the manoeuvres would then result in
a spectrum for the design mix of manoeuvres, An example of a mean-alternating strain
diagram for a longitudinal control reversal in autorotation, the most severe manoeuvre in
the spectrum, is illustrated in Fig 8.

4.9 Lynx rotor loading

Mean and vibratory flap bending moments at the root of the inner flexihkle element
of the Lynx main rotor hub, 3.4% rotor radius, had been estimated for the fatigue
substantiation programme. At this location, the critical rotor section for the Lynx, the
loading caused by lag is not significant. These flap bending moments were estimated so




e — e e i e m—— a—

15-6

as to describe the average sortie (see Table 3) rather than the loading caused by
individual manoeuvres. The flap bending moments were converted to mezn and alternating
strains for the lower suxface of the inner flexible element and the resulting spectrum is
presented in Fig 9. The contribution of the centrifugal load is included in the mean
strain. For completeness cycles which accumulate once per flight and are therefore not
dependent on flight time have also been included in Fig 9. The cycle counting method was
again range-mean pairs and the cycles recorded in Fig 9 are therefore whole strain cycles.

4.10 Comparison of B0O-105 and Lynx spectra

The spectra for BO-105 and Lynx were compared to assess the similarity of spectra
for two different semi~-rigid rotor helicopters.

Summation of the mean-alternating strain matrices of the individual manceuwvres for
BO-105 results in a spectrum for the same mix of manoeuvres used to define the Lynx
spectrum, The results of this analysis are illustrated in Fig 10. Comparison of Fig 9,
the Lynx spectrum, with Fig 10 reveals some similarity. The majority of cycles in both
spectra occur at tensile mean strains, a result of the contribution of the centrifugal
load. In the Lynx spectrum, however, many cycles have compressive mean strains and
while most of the large amplitude cycles occur about similar mean strains in the BO-10%
spectrum in the Lynx spectrum the mean strain varies significantly. One reason for this
is the inclusion of the once per flight cycles in the Lynx spectrum.

To further the assessment of spectra similarity the data presented in Figs 9 and 0
has been replotted in terms of alternating strain versus number of cycles in Fig 11, M
mean strains of the cycles have been ignored, as they were for the CH-53 and Sea Kiw
spectra comparison, and the once per flight cycles have been omitted from Fig 1l1.
Examination of Fig 11 reveals that the characteristic S-shape, observed for the CH-33 and
Sea King spectra, is for both spectra not so evident, the cumulative number of cycler
increasing more smoothly with reducing strain amplitude, The Lynx spectrum diffexrs i«
severity from the BO-105 spectrum because of the different materials used in rotor
construction. At the critical section for the B0O-105, the blade root, the material :s
glass reinforced plastic while at the critical section for Lynx, the inner flexibl-
element, the material is titanium. Division of the strain amplitudes of the Lynx spnc-
trum by a simple factor of 2.1 makes the spectra for both aircraft more comparakile as can
be seen from Fig 1ll. While the spectra compare favourably in the strain amplitude regicn
of 500 to 900 pe there is little correspondence between the spectra in higher strain
regions of parcicular importance to fatigue damage.

A certain amount of disparity of this type between the two spectra was expected
because the Lynx spectrum is a calculated design spectrum while that for the B0-105 is a
flight test spectrum from one sample flight. It is unfortunate that the spectra disagree
at the end of the spectra which is of major importance to fatigue damage. Development of
the loading standard for the semi-rigid rotor, Felix, 1s continuing with a detailed
examination of the loading data for both helicopters and therefore a complete definition
of Felix in this Report has not been possible.

5 DISCUSSION OF THE METHOD OF GENERATING THE LOADING STANDARDS

Previous sections in this Report have discussed data that can define the loading
seen by a helicopter rotor but little consideration has been given to how this data can
be formed into a loading histcry. The objective of this section is to discuss the
reasoning behind the choice of the generating method.

In defining a standard load history factors other than the available data have to
be considered. The most important consideration is that the standard must represent in a
reasonable manner the typical usage of the aircraft taking into account the limitations
that exist in the data from which the standard is defined. Secondly it must be possible
to include the standard in computer programs that control fatique testing machines. Many
mini-computers used for controlling fatigue tests do not have z large available storage
capacity and the storage reguirements of the standard must therefore be minimised. It is
interesting te aote, however, that the development and use of computers in fatigue test
control has oeen accelerated by th: development of standard loadings. Finally the
definition of the standard should not be oriented towards one computer or system type
although past experience has shown that a FORTRAN program definition of a standard gains
the widest acceptability. With the above factors in mind the method of generation can be
considered.

Two major alternative methods of generating the standards were considered. The
first method generates the loading from mean-alternating load matrices for sorties, using
random draw techniques, thereby losing the separate identity of manoeuvres. This is
similar in concept to the well documented!7 methods of generating TWIST and FALSTAFF
loadings. The second method defines sorties by fixed logical seqeences of manoeuvres
thereby retaining the identity of manoeuvres and some sense to the order of load applica-
tion during flight. This latter method of generation was used for helicopter loading
sequences by Crichlow et ql! in 1972, For either gencration method an average sortie
could be formed to simulate the frur corties defined in sertion 4.2 or they could be
simulated on an individual basis and single or a number of flight lengths for each sortie
simulated. The sequence of sorties could be defined by a random draw algorithm or a pre-
determined sequence.

ol
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The method chosen to generate the loading standards was that using logical sequences
of manoceuvrxes to define each sortie, three flight lengths for each sortie and pre-
determined sequences of loads in a manveuvre and sequence of sorties because of the
following considerations.

(a) The reason for choosing to define soriies by logical sequences of manoeuvres was
that this method would simulate more accuratr2ly the complex load interactions that
influence fatigue life. A criticism of the loading standard for fighter fixed-wing air-
craft is that all logical. sequence of in-flight loading has been lost.

(b) Variation of the flight lengths of a sortie was chosen because of the need to
represent accurately the position in the loading sequence of the transition from the
ground condition to level flight. This transition combined with the peak loading in
flight form the once per flight load cycles which can cause major amounts of fatigue
damage., The decision to simulate three flight lengths is a result of considering the most
infrequent flight length for the sorties and is discussed in Appendix B.

(c) Simulation of four separate sorties was chosen .ir preference to one average sortie
because of the importance attached to realistic modelling of the complex load interactions
that affect fatigue life. The loading varies significantly from sortie to sortie as dis-
cussed in section 4.4.

(d) Pre-determined sequences of loads in a manoeuvre and sequence of sorties were chosen
in preference to random draw algorithms because in the opinion of the authors the imple-
mentation of random draw algorithms in a computer program controlling fatigue machines
creates unnecessary problems. It is interesting that although FALSTAFF is defined by
random draw algorithms, in many laboratories FALSTAFF loading is stored in the computer as
the individual loading cycles that make the FALSTAFF sequence.

(e) Finally this generation method results in a loading sequence of no greater length
than that produced by the random draw technique which has no logical sequence of
manoeuvzes, This is because the length of sequence is determined by the need to simulate !
the mest infrequent sortie length. It does, however, require more detalled information to
describe the sorties but this has not led to excessive computer storage requirements as

will be seen in section 7.2,

The general plan for generating the loading standards discussed above is used in the
next section to turn the data described in section 4 into the loading standard for articu-
lated rotors, Helix. The loading standard for semi-rigild rotors, Felix, is similar in
that the same sortie sequence and flight durations will be used and similar sequences of
manoeuvres for each sortie will be defined. The load matrices and sequence of loads for
each manoeuvre will be different to that of Helix but more work is required to define
these parts of Felii as discussed in section 4.10.

6 DEFINITION OF THE LOADING STANDARDS HELIX AND FELIX
6.1 Sequence of sorties

An analysis of the length of sortie sequence required to represent the most
infreguent flight duration using the mix of sorties for all alrcraft, discusse2 /n
section 4.2 and flight durations of Sea King, discussed in section 4.3 is presentid in
Appendis B. The results of this analysis indicate that the sequence of sorties should be
140 flights long with a mixture of flight durations of 0,75, 2.25 and 3.75 h fox each
sortie. The sequence in which the 140 flights are applied in Helix and Felix, created by
a once and for all randcm draw, is listed in Table 4. A summary of the results of the
analysis in Appendix B is given in Table 5 which lists the number of flights of each
duration for each of the four sorties that are required to achieve the correct mission
mix. The 140 flights simulate 190.5 h of flight; 63.75 h in the Training role, 92.25 h )
of Transport, 18 h of ASW and 16,5 h of SAR.

M A e s e e

6.2 Loads in Helix manoeuvres

The generation technique requires the definition of loading patterns for
individual manoeuvres. The comparison of overall loading spectra of CH-53 and Sea King .
had demonstrated not only similarity between the spectra but that the spectra could be N
synthesised from manoeuvres. Loading patterns for individual manoeuvres were only avail- i
able fer Sea King but it was considered reasonable to base Helix or Sea King data bucause
of the success of the above comparison,

Representation of all the loads in the Sea King spectrum would %e difficult because
of the numbers of small amplitude loads. In an attempt to obtain a compromise between a
representative simulation of the loading and short testing times, stress amplitudes below
20.7 MPa have been omitted (see Fig 7). Examination of the mean-alternating stress
matrices for individual manceuvres suggested that a single mean stress for each manoeuvre
was adequate as the majority of the large amplitude cycles occurred at similar mean
stresses (see Fig 3). An average mean stress for each manoeuvre was estimated and counts
of cycles in the same stress amplitude counting interval were summed. The counting
interval for the stress amplitudes were doubled to the same values used in the comparison
of the CH~53 and Sea King spectra (see section 4.7). The cycles recorded for a manocuvre
were then taken to be equal in amplitude to the mid point of the upper and lower bocunds
of the counting interval, ¢g a count in the inkerval 48.3 MPa to 51.7 MPa became a stress
cycle of 50,0 MbPa in amplitude.
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The results of the above analysis are listed in Table € which defines what are
termed the standard load matrices for Helix manoeuvres. For each mandeuvre the mean
stress, number of cycles at each stress amplitude and the matrix analysis time are
listed. The number of cycles in each manoeuvre has been reduced by dividing ry the high-
est common factor and the matrix analysis time adjusted likewise. The 20.7 Mpa omission
level Las resulted in no loadiry being attributed to hover. Hover could be represented
by periods of steady load, dwell periods, but current practice for loading sequences for
fixed-wing aircraft is to omit dwell periods although their omission has been found to be
both detrimental and beneficial to fatigue lifel¢. "The conclusion was reached that dwell
periods associated with hover would be omitted in Helix because of the already lengthy
testing time for helicopter components but the influence of dwells in loading close to
the constant amplitude fatigue limit should be investigated. For completeness hover has
still been included in the flight descriptions.

6.3 Sequence of loads in a Helix manoeuvre

To aid presentation of the sequence of loads in a manceuvre and their inclusion in
a computer program the mean and alternating stress amplitudes in Table 6 have been non-
dimensionalised in Table 7.

A sequence of loads has been defined for each manoeuvre i a once and for all
random selection because an examination of helicopter £light load traces revealed the
peak loading to be random. 'The sequence of loads in the Helix manoeuvres is listed in
Table 8. In each matrix in the Table the first element is always the non-dimensionalised
equivalent of the mean stress. For example in manoeuvre one, take-off, the first element
contains 31, which from Table 7 translates to a mean stress of 53.4 MPa. The second and
third elements contain the numbers 13 and 15 respectively, which means that the stress
sequence equivalent to +13, ~13, +15, ~15 is applied about the mean stress. 1In all
manoeuvres the whole cycles are always appllied as positive then negative going loads. The
flying time simulated by the sequences -£ 1oads in Table 8 1s the matrix flight time (see
Table 6) of each manoeuvre. To simulate flight time in a manoeuvre in excess of the
maerix f£light time the sequences of loads in Table 8 are repeated.

6.4 Sequence of manoeuvres in a sortie

Describing a sortle by a logical seguence of manoeuvres is a techniqu# that has
bean uced previouslyl!., The lack of operational statistics describing the sequences of
manoeuvres in a sortie resulted in the sequence being compiled by common-sense
conslderation of the flight profile and the objective of the sortie. In the simplest
case the above approach says for example that the hellcopter cannot perform a bank turn
without first having taken off, The above approach has been used to develop the
sequences of manoeuvres in the four sorties of Helix and Felix. The sequences of
manoeuvres that define the 3,75 h Training, Transport, ASW and SAR sorties are iisted in
Tables 9, 10, 11 and 12 respectively. In these Tables the position of the manoeuvres in
the flight is numbered, tiie name and number of the manoeuvre, time occupied by the
manoeuvre and number of applications of the standard load seqguence for the manoeuvre are
listed. Although hover does no: generate any significant lecading, see previous section,
it had to be included in the flight description to achieve the correct mix of manoceuvres
in 3.75 h. During the formulation of the ASW sortie it was found that, to represent
accurately the mix of manoeuvres while simulating a reasonable number of sonar dunk
operations, a sequence of nearly 500 manoeuvres was required. To simplify the descrip-
tion of the ASW sortie the portion of the flight where a sonar buoy is deployed has been
standardised to 16 manoeuvres and referenced by manoeuvre number 25, the combined
manceuvre, 7The order of application, time in the manoeuvres and matrix applications for
the individual manceuvres that simulate this combined manoeuvre are listed in Table 13.
The time spent in hover varies for each sonar dunk,

Tables 9 to 13 have been compiled by considering the general pattern of flying that
the sequence of manoeuvres must represent in each sortie as follows,

(a) Training

This was the most difficult sortie to describe because of the wide-ranging
operations that are flown. The assumption was made, however, that this sortie should
simulate the essential aspects of flight needed to perform the other sorties. 1In
addition a pure training exercise in which the helicopter is performing manoeuvres to
demonstrate the handling characteristics was simulated.

(b}  Transport

This sortie represents take-off and low-speed manoeuvres away from the terminal
area, flight at cruising speed while manoeuvring to take into account terrain and air-
traffic-control restrictions and finally low-speed manoeuvres and landing in the terminal
area.

(c) AsW
In this sortie, apart from the requirement to move to and from the base area, the

helicopter repeatedly decelerates to allow deployment of a sonar buoy and accelerates to
move to a new search area.
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(d) SAR

The essential part of this sortie is the flying of low-speed manoeuvres to execute
a rescue.

To define the 0.75 .h and 2.25 h flights it was considered reasonable to firstly
define the 3.75 h flights and then to take fractions of these flights for the other
duracions because the percentage times spent in a manceuvre (section 4.4, Table 2) are
only applicable for flight Qurations between 3 h to 4 h. The adoption of this technique
resulted in only one sequence of manoceuvres being defined for each sortie and the common-
sense result that, for example, landing and take-off phases of flight were independent of
total sortie time. Consider the altitude-time profile that mighkt be generated by the
sequence of manoeuvres that define a 3.75 h transport flight as illustrated in Fig 1l2a.
In the sequence of manoeuvres, Tables 9 to 12, what are termed flight markers are
included; a 0.75 h and 2.25 h flight marker and a landing sequence marxer. An example of
their position in the 3.75 h flight is indicated in Fig 12a. To simulate a 2.25 h £flight
all the manoeuvres from take-off to the 2.25 h flight marker are applied followed by all
the manoeuvres between the landing sequence marker and the end of the £light. The resul-
ting altitude~time profile is illustrated in Fig 12b and the result of simulating a 0.75h
flight in Fig 12c. The process described above was used for Training, Transport and ASW
sorties but additional markers were required in the £AR sortie because of the search and
rescue operation performed at about mid-sortie., Fig 13a illustrates an altitude-time
profile that might be generated by cthe sequence of manoeuvres that define the 3.75 h SAR
sortie. For each of the intermediate flight durations there are now two flight markerxs
and a SAR marker as well as a landing sequence marker. To simulate a 2.25 h flight all
the manoeuvres, from take-off to the first 2,25 h marker, &are applied, then all the
manoeuvres between the SAR marker and the second 2.25 h marker and finally all the
manoeuvres between the landing sequence marker and the end of f£flight, The resulting
altitude-time profile is illustrated in Fig 13b and the result of simulating a 0.75 h
flight in Fig 13c. The markers described above are positioned in the sequence of
manoeuvres for each sortie such that not only is the required flight time simulated
exactly but continuity of f£light is maintained, As discussed in Appendix C for program-
ming convenience the 0,75 h and 2,25 h flight markers are given position numbers and
called manoeuvre types -1 and -2 respectively while the landing sequence markers and SAR
marker are not given position or identification numbers.

The loading in each of the manoeuvres has only been dafined for the flying cimes
listed in Table 6 and therefore the time spent in a manoeuvre in the sorties mug: be an
integer number of times the standard flying time in Table 6. The total time in a
manoeuvre for a sortie had to be slightly modified to allow an exact numbexr of mnanoeuvce
load sequences to be applied, The results of these modifications are in Table 14 where
the exact. time in a manoceuvre for a 3.75 h sortie is listed along with the tinus that are
exactly divisible by the standaxrd flying time. No times are given for trainin, tecnuse
this sortie has been defined without an initial estimate of the manoeuvre mix.

6.5 Ground load

The final item of information that completes the definition of Helix s the stress
induced in the blade by the action of its own weight when the helicopter is on the
ground and the rotor stationary, At the lower rear corner of the blade upaxr at about
half rotor radius this has been measured as -27 MPa or in non-dimensional ¥elix units as
a stress level of -16, To simulate the ground condition after the final rianoeuvre in
each flight the stress is lowered to a level of -16,

6.6 Example of Helix load-time history

Illustrated in Fig 14 is the lcad-time history for the start <" the Training sortie
in Helix. The manoeuvras that create the loading are indicated in tle Figure with the
relevant part of the load-time history.

7 DISCUSSION
7.1 Limitations in the data base used in tre formulacion of the loading stancards

It is considered that the best use of the available data nas been made in defining
the loading standard for articulated rotors, Helix anrd in progressing towards the
definition of the loading standard for rigid rotors, Felix. The limlted availability of
recorded operational data on Service usage of helicopters has, however, led to some
assurptions being made, and noted in the previous sectionsg, regarding the usage and
loading conditions experienced by the helicopters in this study. Much of the data was
based on design assumptions and limited flight trials which, in particular, lLas led to
difficulties that have resulted in Felix not being fully defined. The operational data
that has been used in the study such as sortie mixes and flight durations are descriptivns
of past usage which may not reflect the pattern of usage in the future. The rapid changes
that occur in helicopter usage!9 may render some of the assumptions in the loading
standards invalid. The development of any loading spectrum requires an assesesment of
which infrequently-occurring events should be included. Extensive research20 has been
conducted on fixed-wing aircraft to decide, {>r example, the magnitude of the load that
the aircraft may encounter only ten times in ats service life. At the present time this
type of research for helicopters is lirited and research into infrequently-occurring
events is necessary to assess the validity of the loading standards,

.
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7.2 Inclusion of the loading standards in a computer program controlling a fatigue
machine

Although only the loading sequence for Helix has been fully defined the generation
method for Felix will be essentially the same. The description of the sorties by man-
oeuvres has been supplied in full to &llow an assessment of the .basis of the generation
method but for a computer program it is only necessary to store the sequence of sorties,
Table 4, the sequence of loads in each manoeuvre, Table 8, and £inally the manoceuvre
type and number of times the manoeuvre load sequence is repeated for each o. the four
sorties, Tables 9 to 12.

A FORTRAN program to generate Helix and Felix is under development and some guide-
lines for the program are discussed in Appendix C but Helix has been incorporated in an
RAE utility computer program2?! that ccntrols three independent fatigue machines. The
utility program generates constant amplitude, flight-by-flight block, TWIST and FALSTAFF
loading and can apply fixed sequences of peaks and troughs either stored in the computer
or held on magnetic tape. Hellx therefore had to be incorporated into the current
structure of the program but storage of the data and generation algorithm required only
1K of 12-bit woxds.

7.3 Future work

The work reported here is not completed and the collaborative programme to define
the standard load sequences is continuing. There are a number of areas requiring further
research before the final loading standards are agreed betweer the contributing
organisations and before theix usefulness can be fully assessed.

The following items are examples of the research required.

(a) The lcading data for Lynx and BO~105 have to be assessed further for compatability
and applicability before defining Felix.

(b) Inclusion of the semi-rigid rotor loading pattern into the Helix yeneration method
has to be implemented without greatly increasing the data storage requirements.

(c) A standard FORTRAN computer program to generate the loading sequences needs to be
defined.

(d) The loading standards have to be compared with conventional methods of evaluation
testing to assess the suitability of using flight simulation loading for the fatigue
evaluation of helicopter components. As part of this study the influence of infrequently
occurring events on fatigue life should be assessed and an attempt made to reduce the
number of cycleu included in the standards that are below the constant amplitude fatigue
limit as has been done for TWYISTZ2 to create MINITWIST.

It is intended that at the completion of the study that a joint LBF, IABG, MBB,
NLR and RAE report will be issued describing the whole project.

8 CONCLUSIONS

{a) A favourable comgarison between two articulated rotor helicopter spectra has
enabled the definition of Helix, a standard loading sequeiice for the fatigue evzluation
of arti;ulated rotor components,

(b) Spectra for two semi-rigid rctor helicopters were compared and found to differ
substantially in the high strain region which is of major importance to fatigue damage.
Research is continuing on the definition of Felix, a standard loading sequence for semi-
rigid rotors.

(c) The algorithm that generates Helix is easily programmed and in combination with
data storage requirements occupies a small amcunt of core store in a mini-computex.




15-11

! Table 1

! ! PERCENTAGE TIME IN TRAINING, TRANSPORT, ASW AND SAR SORTIES
FOR UK SERVICE USAGE

Percentage time in sortie
Sortie
All aircraft Sea King
4
: t Training 33.0 22.3 .
b Transport 48.5 25.3 ’
L ASW 9.0 49.1 |
SAR 9.5 3.3 }
!
|
{
3
)
i
i
e Table 2
i #HIX OF MANOEUVRES IN SEA KING TRANSPORT, ASW AND SAR SORTIES
Percentage time per hour ‘
Numbex Manosuvre description !
Transport AREW SAR i
1 Take-off 0.34 0.12 0.27
2 Forward flight 20 kn 0.40 2.79 0.23
3 Forward flight 30 kn 0.40 2.79 0.23
4 Forward flight 40 kn 0.40 2.79 0.23
5 Forward flight 60 kn 8.49 5.99 | 25,92 ;
‘ 6 Forward flight VNo 103 kn 81.79 35,90 | 64.82 |
£ 7 Maximum powey climb 70 kn 0.57 1.20 0.44 !
) 8 Shallow approach to hover 0.17 - -
9 Normal approach to hover - 1.40 0.08
10 Hover 2,83 33.01 4.85
11 Rank turn port 30° v, 0.79 5.510 | 0.45 ‘
12 Bank turn starboard 30° Vv, 0.79 5.51 | 0.45 z
13 Sideways flight to port 20 xn 0.28 0.20 0.22 '
14 Recovery frem 13 0.11 0.08 | 0.09 f
15 Sideways flight to sta:board 30 ku 0.28 0.20 0.22
i6 Recovery from 15 G.11 0.08 .29
17 Rearwards f .ight 20 kn 0.28 .20 0.22
18 Recovery from 17 0,11 0,08 0.09
1¢ Spoat turn port 0.28 0.20 0.22
20 Spot turn starboard 0.28 0.20 0.22
21 Autorotation 0,57 0.40 -
22 Recovery from 21 0,05 0.03 -
23 Descent 0.34 1,20 0,53
24 Landing 0.34 0.12 0,13
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Table 3
LYNX DESIGN MISSTON MIX
Number Flight description ;fﬁ;ﬁ?ﬁ;ii pgﬁmﬁgﬁr
1 Rapid increase in rpm and engage clutch 5
2 Take-off 5
3 Steady hovering 20
4 Spot turns 10
5 Low speed flight control reversals - longitudinal 2.5
6 Low speed flight control reversals - lateral 2.5
7 Low speed flight control reversals = yaw 2,5
8 Low speed flight control reversals - collective 2,5
9 Rearwards flight 0.5
10 Sideways flight port 0.5
11 Sideways flight starboard 0.5
12 Forward flight 0.2 VNE 10
13 Forward flight 0.4 VNE 5.4
14 Forward flight 0.6 VNE 6.3
15 Forward €light 0.8 vNE 11.7
16 Forward flight 0.9 V. (VNO) 18
17 Forward flight 1.0 VNE 2,7
18 Forward flight 1.1 VNE 1.0
19 Cruise turn 0.4 VNE 0.6
z0 Cruise turn 0.6 VNE 0.7
21 Cruise turn 0.8 VNE 1.3
22 Cruise turn 0.9 VNE 2,0
23 Cruise turn 1.0 VNE 0.3
24 Transition from hover 7
25 Maximum power climb 70 kn 4
26 High-speed flight control reversals =~ longitudinal 2,7
27 High-speed flight control reversals - lateral 2.7
28 High-speed flight control reversals - yaw 2.7
29 High-speed flight control reversals - collective 2.5
30 Descent 7
31 Transition to hover 7
32 Flare 7
33 Entry into autorotation 0.4
34 Recovery from autorotation 0,4
35 Steady £light ar‘orotation 2,5
38 Control reversals in autorotation = longitudinal 0.1
37 Control reversals in autorotation - lateral 0.1
38 Control reversals in autorotation - yaw 0.1
39 Coilective pull up in autorotation 0.4
40 Right turn in autorotation 0,2
41 Left turn in auntorotation 0.2
42 single engine flight 3.0
43 Landings 5
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21,
42,
31,
11,
41,
12,
21,

11,

22,
21,
21,
21,
13,

Table 4

SEQUENCE OF SORTIES FOR 140 FLIGHT SEQUENCES OF HELIX

43, 11, 21, 12, 22, 11, 11, 21, 21, 21, 23

21, 32, 21, 11, 22, 32, 22, 11, 31,
22, 11, 11, 11, 11, 11, 21, 21, 11,
21, 21, 2i, 11, 11, 22, 21, 2%, 21,
11, 11, 11, 23, 11, 21, 11, 21, 11,
11, 22, 11, 11, 41, 33, 22, 32, 21,

21, 22
41, 11
11, 21
21, 11
11, 21

. 42, 23, 21,
, 11, 11, 42,
, 12, 22, 22,
. 11, 12, 12,
, 22, 32, 23,
: 21, 22, 21,

11, 11, 12, 11, 11, 11, 41, 11, 22, 11, 41, 12,
. Training - 10
key: Transport - 20
ASW - 30
SAR - 40
Shortest flight duration - 1 (0.75 hour)
Middle flight duration - 2 (2.25 hours)
Longest flight duration - 3 (3.75 hours)

AND

12,
42,

21,
11,
21,

FELIX

11, 21,
21, 21,
11, 21,
11, 11,
12, 22,
12, 21,

therefore 23 is a transport flight of the longest duration

Table 5

NUMBER OF FLIGHTS OF EACH SORTIE FOR THE THREE
FLIGHT DURATIONS IN HELIX AND FELIX

Flight Number of flights
duration
(h) Training | Transport | ASW | SAR
0.75 47 38 2 5
2,25 11 20 4 4
3.75 1 5 2 1

22,
33,
11,

22,
11,

15-13

11,
12,
21,
11,
23,
21,
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Table 6

LOAD MATRICES FOR HELIX

. r Mte‘“aﬁf‘f stress 22.4|25.9(29.3[32.8|36.2|39.6]43.1|46.5|50.0 |

Flight| Mean
Manoeuvre time |stress Number of cycles
s MPa

Take-of £ 53.4
Forward flight 20 kn 88.9
rorward f£light 30 kn 87.4
Forward flight 40 kn 74.1
Forward flight 60 kn 77.8
Forward flight 103 kn 82.3
Max. porter climb 70 kn 84,5

Shallow approach to
hover 73.0

Normal approach to
hover 75.8

Hover -
Bank turn port 30° VNO 87.6
Bank turn starboard VNo S 84.7

Sideways flight port
30 kn 68.4

Recovery from 13 5 63.9

Sideways flight
starboard 75.3

Recovery from 15 65.0
Rearwards flight 20 kn 87.9
Recovery from 17 78.0

W ~J A N bW N

Spot turn port 82.9
Spot turn starboard 86.8
Autorotation 74.5
Recovery from 21 77.8
Deccent 77.8
Landing 91.4
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Table 7
NON-DIMENSIONALISATION OF HELIX LOADS
The original loading data for Helix was expressed in units of 1b in_z. The gtress
interval for the amplitudes was exactly 0.5 x 103 1b in~Z, To non-dimensionalise Helix 1
unit has been made equivalent to 0.25 x 103 1lb in~2, The alternating and mean stresses
are expressed below in terms of MPa, the units used throughout this document.
Conversion tables

2 Mean stress

Stress Nearest whole
MPa Units unit )
53.4 31.0 31
1 Alternating stress, 63.9 37.1 - 37
65.0 37.7 38
68.4 39.7 40
Stress
MPa Units 73.0 42.4 42 .
74.1 42.9 43
22.4 13 74.5 43.2 '
25.9 15 75.3 | 43.7 a4
29.3 17 75.8 43.9
32.8 19 77.8 | 45.1 .5
36.2 21 78.0 45.3
39.6 23 82.3 | 47.8 18
43,1 25 82.% 42,1
46.5 27 84.5 | 49.0 45
50.0 29 84.7 49.1
86.8 50.4 50
87.4 £0.7
87.6 50.8 51
87.9 51.0
88.9 51.6 52
91.4 53.0 53

Table 8
SEQUENCE OF LOADS IN EACH FUNDAMENTAL MANOEUVRE MATRIX FOR HELIX

NB First element in matrix is the manoeuvre mean stress

1  Take off ;
31 | 13 | 15
2 Forward flight 20 kn
52 13 13 15 13 12 13 13 13 13 13 13 13 i3 r
3 Forward flight 30 kn
51 17 17 17 21 19 17 17 ;3 17 17 17 17 17 17
4 Porward flight 40 kn
sl ]e o]y
5 Porward flight §0 kn ; b
45 | 15 17 15 15 15 15 15 15 15 17 15 15 15 i J

=y serepcicacs o ¥ —c 1y o S S Claa



' 15-16

Table 8 (continued)

48 19 19 119 {19 ] 19 17 | 15 19 19 19 19 17 21 17 17

}
t‘ 6 Forward flight 103 kn ‘ f
{

19 13 21

7  Maximum power climb 70 kn

[
' 49 ] 13
i

8 Shallow approach to hover

42 23 | 13 | 23 | 27 15 13 119 |13 | 27 13 15 | 23 13§ 23 | 15

1

v -

! 25 21 17 f 13| 23| 13} 25 113 | 23 | 23 19 21 17 19 13 ] 19 1

17 17 | 23 17

9 Normal approach to hover

44 13 21 13 151 19| 25 115 | 19| 25 { 21 13 17 15 | 25 | 25

29 17 13 ) 23 23| 231 13 {15 f 251 15| 15

10  Hover
There are no significant loads in the hover manoeuvre

! 11 Bank turn port 30° VNo

51 21 21 21 19 21 21 21 21 21 23 21 19 21 21 19

2 21 21 19 1191 21 17

12 Bank turn starboard 30° VNo

49 | 17| 23| 21 20 | 19 ] 19 | 21 21 19 | 21 21 21 19 19 | 21

19 | 21 19

13 Sideways flight port

5 401 13 | 15| 13

14  Recovery from sideways flight: to port

37 1 15} 19| 19| 25| 17 | 13 | 17 {119 ] 15| 23| 15| 13 | 25| 13 | 13

17 19 | 21 13 19 | 21 13 | 17 13 17 21 21 15

15 sideways flight to starboard

4 | 17 131 15117 17119 |19 }21] 15

16  Recovery from sideways £light to starboard
38 25 13 25 23 23 19 29 25 25 15 13 17 13 N 15

13119} 13 19 15 ] 15| 23 13

17 Rearwards flight 20 kn

51 18

- e S\

18 Recovery from rearwards flight

45} 23} 21| 23 § 21| 21 ] 19 J 23 J 21} 21 ] 25 13 | 13 23 23 ] 15

21 | 23 | 21 23} 23| 23} 13 j 23 | 19

PR — s &
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Table 8 (concluded)
19 Spot turn port
48 {13 [15 |15 {15 {13 | 19 | 15 | 17 | 15 | 15} 19 | 15 | 17 | 17 | 13
13 115 |13 |15 |13 {15 {15 { 17 13 )} 13 | 17 | 13| 15 | 17 | 15| 15
17 13 13 15 13 13 15 17 15
20  Spot turn starboard
50 | 13 |13 | 13
21 Autorotation
42 13 13 13 13 13 13 13 13 13 13 |. 15 13 13 13 13
13 13 13 15
22 Recovery from autorotation
45 | 2} |21 |17 |21 |17 | 23] 25 | 21 | 21| 19 23 | 21 | 21 | 23 | 23
2) 19
23 Descent
45 17 15 15 15 15 15 15 15 15 15 15 15 17
24 Landing
53119 {17 |17 |17 | 15
Table 9
SEQUENCE OF MANOEUVRES IN A TRAINING SORTIE
Position Manoeuvre Time in Matrix
number Manoeuvre number manoeuvre | applications
(s)
1 Take~off 1 36 6
2 Forward flight 20 kn 2 12 3
3 Forward flight 30 kn 3 12 2
4 Forward flight 40 kn 4 12 3
5 Forward flight 30 kn 3 18 3
6 Forward flight 20 kn 2 20 5
7 Nonmnal approach to hover 8 12 3
8 Hover 10 62 0
9 Spot turn port 19 18 1
10 Hover 10 45 0
11 Sideways L0 starboard 15 14 4
12 Recovery from sideways to starboard 16 10 2
13 Sideways to port 13 16 4
14 Recovery from sideways to port 14 10 2
15 Spot turn starboard 20 18 1
16 Hover 10 25 0
17 Forward flight 20 kn 2 12 3
18 Forward flight 30 kn 3 12 2
19 Forward flight 40 kn 4 12 3
20 Forward flight 60 kn 5 32 8
21 Maximum power climb 70 kn 7 21 7
22 Forward flight 103 kn 6 210 42
23 Bank turn port 11 12 2
24 Bank turn starboard 12 10 2
25 Forward flight 103 kn 6 115 23
26 Bank turn port 11 12 2
27 Forward flight 103 kn 6 350 70
28 Bank turn starboard 12 10 2
29 Forward fiight 1€3 kn 6 260 52
30 Bank turn starboard 12 10 2
31 Forward flight 103 kn 6 175 35
32 Bank turn port 11 12 2
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Table 9 (continued)

Position Manoeuvre Time in Matrix
number Manoeuvre number manoeuvre | applications
(s)
33 Forward flight 103 kn 6 315 63
34 Bank turn starboard 12 10 2
35 Forward £light 103 kn 6 105 21
36 Bank turn port 11 12 2
37 Forward flight 103 kn 5 25 5
38 Bank turn starboard 12 10 2
39 Forward f£light 103 kn 6 415 83
40 Bank turn port 11 12 2
41 Forward flight 103 kn 6 40 8
42 0.75 hour flight marker -1 - -
43 Bank turn starboaxd 12 10 2
44 Forward flight 103 kn 6 195 39
45 Descent 23 25 5
46 Forward flight 60 kn 5 32 8
47 Forward flight 40 kn 4 24 6
48 Forward flight 30 kn 3 24 4
49 Forward f£light 20 kn 2 24 6
50 Normal approach to hover 9 12 3
51 Hover 10 55 0
52 Forward flight 20 kn 2 12 3
53 Forward flight 30 kn 3 12 2
54 Forward flight 40 kn 4 36 9
55 Forward flight 30 kn 3 24 4
56 Foxrward flight 20 kn 2 12 3
57 Normal approach to hover 9 12 3
58 Hover 10 45 0
59 Forward flight 20 kn 2 12 3
60 rorward flight 30 kn 3 12 2
61 Forward flight 40 kn 4 40 10
62 Forward flight 30 kn 3 24 4
63 Forward flight 20 &kn 2 12 3
64 Normal approach to hover 9 12 3
65 Hover 10 450 0
66 Spot turn port 19 18 1
67 Forward flight 20 kn 2 12 3
68 Forward flight 3C kn 3 12 2
69 Forward £light 40 kn 4 12 3
70 Forward flight 60 kn 5 40 10
71 Maximum power climb 70 kn 7 18 6
72 Forward flight 103 kn 6 35 7
73 Bank turn starboard 12 10 2
74 Forward flight 103 kn 6 65 13
75 Bank turn starboard 12 10 2
76 Forward flight 103 kn 6 215 43
77 Bank turn port 11 12 2
78 Descent 23 25 5
79 Forward flight 60 kn 5 40 10
80 Forward flight 40 kn 4 16 4
81 Forward flight 30 kn 3 18 3
82 Forward f£light 20 kn 2 12 3
83 Normal approach to hover 9 12 3
84 Hover 10 159 0
85 Forward flight 20 kn 2 36 9
86 Normal approach to hover 9 12 3
87 Hover 10 530 0
88 Spot turn starboard 20 18 1
89 Rearwards flight 17 10 4
90 Recovery from rearwards flight 18 6 1
91 FPorward flight, 20 kn 2 12 3
92 Forward flight 30 kn 3 12 2
93 Forward flight 40 kn 4 12 3
94 Forward flight 60 kn 5 48 12
95 Maximum power climb 70 kn 7 18 6
96 Forward flight 103 kn 6 35 7
a7 Bank turn starboard 12 10 2
98 Forward £light 103 kn 6 45 9
99 Bank turn starboard 12 10 2
100 Forward f£light 103 kn 6 75 15
101 Bank turn port 11 12 2
102 Forward flight 103 kn 6 225 45
103 Bank turn starboard 12 19 2
104 Forward flight 103 kn 6 15 3
105 Bank turn port 11 12 2
106 Forward flight 103 kn 6 475 95
107 Bank turn port 11 12 2
108 Forward flight 103 kn 6 335 67

P




Table 9 (continued)
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Position Manoeuvre Time in Matrix
number Manoeuvre number manoeuvre applications
(s)
109 Bank turn starboard 12 10 2
110 Forward £light 103 kn 6 35 19
111 Bank turn port 11 12 2
112 Forward flight 103 kn 6 15 3
113 Bank turn port 11 12 2
114 Forward flight 103 kn 6 530 106
115 Bank turn starboard 12 10 2
116 Forward flight 103 kn 6 265 53
117 Bank turn starboard 12 10 2
118 Forward flight 103 kn 6 115 23
119 Bank turn port 11 12 2
120 Forward flight 103 kn 6 85 17
121 Bank turn port 11 12 2
122 Forward flight 103 kn 6 315 63
123 Bank turn starboard 12 10 2
124 ,Forward flight 103 kn 6 50 10
125 *2.25 hour flight marker -2 - 0
126 Bank turn starboard 12 10 2
127 Forward flight 103 kn 6 415 83
128 Bank turn port 11 12 2
129 Forward f£light 103 kn 6 25 5
130 Bank turn port 11 12 2
131 Forward flight 103 kn 6 15 3
132 Bank turn port 11 12 2
133 Forward flight 103 kn 6 20 4
134 Bank turn starboard 12 10 2
135 Forward flight 103 kn 6 35 7
136 Bank turn port 11 12 2
137 Forward flight 103 kn 6 15 3
138 Bank turn starboard 12 10 2
139 Foxrward flight 103 kn 6 45 9
140 Bank turn starboard 12 10 2
141 Forward flight 103 kn 6 15 3
142 Bank turn port 11 12 2
143 Forward flight 103 kn 6 490 98
144 Autorotation 21 60 12
145 Recovery from autorotation 22 5 1
146 Forward flight 60 kn 5 164 41
147 Forward flight 40 kn 4 24 6
148 Forward flight 30 kn 3 24 4
149 Forward flight 20 kn 2 12 3
150 Shallow approach to hover 8 10 2
151 Hover 10 116 ¢
152 Forward flight 20 kn 2 88 22
153 Normal approach to hover 9 12 3
154 Hover 10 560 0
155 Sideways to port 13 8 2
156 Recovery from sideways to port 14 10 2
157 Rearwards flight 17 15 6
158 Recovery from rearwards flight 18 12 2
159 Spot turn port 19 18 1
160 Spot turn starboard 20 18 1
161 Hover 10 320 0
162 Sideways to starboard 15 14 4
163 Recovery from sideways to starboard 16 5 1
164 Spot turn port 19 18 1
165 Rearwards f£light 17 15 6
166 Recovery from rearwards flight 18 12 2
167 Hover 10 215 0
168 Forward flight 20 kn 2 12 3
169 Forward flight 30 kn 3 12 2
170 Forward flight 40 kn 4 12 3
171 Forsrard flight 60 kn 5 48 12
172 Maximum power climb 70 kn 7 12 4
173 Forward flight 103 kn 6 20 4
174 Bank turn starboard 12 10 2
175 Forward flight 103 kn 6 15 3
176 Bank turn port 11 12 2
177 Forward £light 103 kn 6 25 5
178 Bank turn port 11 12 2
179 Forward flight 103 kn 6 295 59
180 Bank turn port 11 12 2
181 Forward flight 103 kn 6 465 93
182 Bank turn starboard 12 10 2
183 Forward flight 103 kn 6 155 31
184 Bank turn port 11 12 2

e
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Table 2 (concluded)
Position Manoeuvre Time in Matrix
Number Manoeuvre number manoeuvre applications
. (s)
185 Foxward flight 103 kn 6 280 76
186 Bank turn port 11 12 2
187 Forward flight 103 kn 6 15 3
188 Bank turn starboard - 12 19 2
; 189 Forward flight 103 kn 6 10 2
190 Bank turn starboard 12 10 2
' 191 Forward flight 103 kn 6 55 11
t 192 Bark turn port 11 12 2
193 Foxward flight 103 kn 6 180 36
194 Bank turn starboard 12 10 2
195 Forward flight 103 kn . 6 305 61
! 196 Bank turxn port 11 12 2
; 197 Forward flight 103 kn 6 320 64
’ Landing sequence marker - - -
198 Descent 2z 20 4
199 Forward flight 60 kn 5 24 6
\ 200 Forward fligat 40 kn 4 16 4
201 Forward flight 30 kn 3 12 2
202 Forward £flight 20 kn 2 16 4
203 Normal approach to hover 9 12 3
204 Hover 10 15 0
205 Spot turn port 19 18 1
206 Landing 24 18 3
Table 10
SEQUENCF OF MANOEUVRES IN TRANSPORT SORTIE
Position Manoeuvrya Time in Matrix
number Manoeuvre numbex man?envre applications
s)
| 1 Take-off 1 36 6
2 Forward flight 20 kn 2 12 3
3 Forward flight 30 kn 3 12 2
4 Porward flight 40 kn 4 12 3
5 Forward flight 60 kn 5 156 39
6 Maximum power climb 70 kn 7 60 20
7 Forward flight 103 *n 6 980 196
8 Bank turn starboard 12 5 1
m 9 Forward flight 103 kn 6 170 34
h 10 Bank turn starboard 12 5 1
11 Forward flight 103 kn 6 130 26 i
12 0.75 hour flight marker -1 - - !
13 Bank turn port 1 6 1
14 Forward flight 103 kn 6 495 99
15 Bank turn port 11 6 1
16 Forward flight " 103 kn 6 580 116
17 Bank turn starboard 12 5 1
18 Forward flight 103 kn 6 660 132
19 Bank turn port 11 6 1
20 Forward flight 103 kn 6 165 33
21 Bank turn starboard 12 5 1
22 Porward flight 103 kn 6 295 59
23 Bank turn starboard 12 5 1
24 Forward flight 103 kn 6 110 22 '
25 Bank turn starboard 12 5 1
26 Porward flight 103 kn 6 260 52
27 Bank turn port 11 6 1
28 Forward flight 103 kn 6 60 12
29 Bank turn starboard 12 5 1
30 Porward flight 103 kn 6 320 - 64
31 Bank turn starboard 12 5 1
32 Forward £light 103 kn 6 60 12
33 Bank tuxn port 1l 6 1
34 Forward flight 103 kn 6 370 74 Y
35 Bank turn port 11 6 1
36 Forward flight 103 kn 6 390 78 q
37 Bank turn port 11 6 1
38 Forward flight 103 kn 6 75 15
39 Bank turn port 11 6 1
40 Forward flight 1103 kn 6 S0 10




Table 10 (continued

Position Manoeuvre Time in
number Manoeuvre number manoeuvre | applications
(s)
41 Bank turn port 11 6
42 Forward flight 103 kn 6 705
43 Bank turn starboard 12 5
44 Forward flight 103 kn 6 155
45 Bank turn port 11 6
46 Forward flight 103 kn 6 175
47 Bank turn starboard 12 5
48 Forward flight 103 kn 6 375
49 2.25 hour flight marker -2 -
50 Bank turn starbourd 12 5
51 Forward flight 103 kn 6 360
52 Bank turn port 11 6
53 Forward flight 103 kn 6 245
54 Bank turn starboard 12 5
55 Forward flight 103 kn 6 390
56 Bank turn starboard 12 5
57 Forward flight 103 kn 6 380
58 Bank tuxn starboard 12 5
59 Forward f£light 103 kn 6 305
60 Bank turn starboard 12 5
61 Forward flight 103 kn 6 195
62 Bank turn starboard 12 5
63 Forward flight 103 kn 6 260
64 Bank turn port 11 6
55 Forward flight 103 kn 6 250
66 Bank turxn port 11 6
67 Forward flight 103 kn 6 105
68 Bank turn starboard 12 5
69 Forward flight 103 kn 6 175
70 Bank turn starboard 12 5
71 Forward flight 103 kn 6 25
72 Bank turn port 1) 6
73 Forward flight 103 kn 6 215
74 Bank turn starboard 12 5
75 Forward f£light 103 kn 6 160
76 Bank turn port 11 6
77 Forward flight 103 kn 6 370
78 Bank turn starboarad 12 5
79 Forward flight 103 kn 6 425
80 Bank turn port 11 6
81 Forward flight 103 kn 6 25
82 Bank turn port 11 6
83 Forward flight 103 kn 6 360
84 Bank turn starboard 12 5
85 Forward f£light 103 kn 5 125
86 Bank turn port 11 6
87 Forward flight 103 kn 6 110
88 Bank turn starboard 12 5
89 Forward flight 103 kn 6 100
90 Autorntation 21 60
91 Recovery from autorotation 22 5 1
92 Descent 23 20 4
93 Forward £light 60 kn 5 152 8
94 Forward flight 40 kn 4 12 3
95 Forward flight 30 kn 3 12 2
96 Forward £light 20 kn 2 12 3
97 Shallow approach to hover 8 15 3
98 Hover 10 272 0
99 Forward flight 20 kn 2 12 3
100 Porward flight 30 kn 3 12 2
101 Porward flight 40 kn 4 12 3
102 Forward flight &0 kn 5 116 29
Landing sequence marker - - -
103 Descent 23 15 3
104 Forward flight 60 kn 5 732 183
105 rorward £flight 40 kn 4 20 5
106 Forxward fiight 30 kn 3 18 3
197 Forward flight 20 kn 2 16 4
108 Shallow approach to hover 8 10 2
1909 Hover 10 113.5 -
110 Sideways to por: 13 32 8
11 Recovery from sideways to port 14 10 2
112 Spot turn to port 18 18 1
113 Rearwards £light 17 30 12
114 Recovery from rearwards flight 18 12 2
115 Sidevays to¢ starboard 13 31.5 9
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Table 10 (concluded)

Position Manoeuvre Time in Matrix
number Manoeuvze number manoeuvre | applications
(s)
116 Recovery from sideways to starboard 16 10 2
117 Spot turn to starboard 20 18 1
118 Landing 24 36 6
Table 11
SEQUENCE OF MANOEUVRES IN ASW SORTIE
Position Manoeuvre Time in Matrix
number Manoeuvre numbex manoeuvre | applications
(s)
Initial transit
1 Take-off 1 18 2
2 Forward flight 20 kn 2 12 3
3 Forward flight 30 kn 3 12 2
4 Forward £light 40 kn 4 12 3
5 Forward flizht 60 kn 5 24 6
6 Maximum power climb 70 kn 7 12 4
7 Forward flight 103 kn 6 50 10
8 Bank turn starboard 12 10 2
9 Forward flight 103 kn 6 10 2
10 Bank turn port 11 12 2
11 Forwaxd flight 103 kn 6 35 7
12 Bank turn port 11 12 2
13 Feorward flight 103 kn 6 40 8
14 Bank turn starboard 12 10 2
15 Forward flight 103 kn 6 60 12
16 Bank turn port 11 12 2
17 Forward flight 103 kn 6 40 8
18 Bank turn starboard 12 10 2
19 Forward flight 103 kn 6 65 13
20 Bank turn starboard 12 10 2
21 Forward flight 103 kn 6 20 4
22 Bank turn port 11 12 2
23 Forward flight 103 kn 6 40 8
24 Bank turn starboard 12 10 2
25 Forward flight 103 kn 6 45 9
26 Bank turn starboard 12 10 2
27 Forward flight 103 kn 6 40 8
28 Bank turn starboard 12 10 2
29 Forward flight 103 kn 6 35 7
First sonar dunk
30 First combined manoeuvre
(hover time 243 s) 25 452 1
Second sonar dunk
3 Second combined manoeuvre
(hover time 162 s) 25 3N 1
Third sonar dunk
32 Third combined manoeuvre
(hover time 101 s) 25 310 1
33 Forward flight 103 kn 6 65 13
34 Bank turn starboard 12 10 2
35 Forward flight 103 kn 6 70 14
36 Bank turn starboard 12 10 2
37 0.75 hour flight marker -1 - -
Fourth sonar dunk
38 Fourth combined manoeuvre
(hover time 296 s) 25 505 1
39 Forward flight 103 kn 6 10 2
40 Bank turn port 11 12 2
41 Forward flight 103 kn 6 60 12
42 Bank turn starboard 12 10 2
43 Forward flight 103 kn 6 65 13
44 Bank vurn starboard 12 10 2
45 Poxward flight 103 kn 6 45 9
46 Bank turn starboard 12 10 2
47 Forward flight 103 kn 6 45 9
48 Bank turn port 11 12 2
49 Forward f£light 103 kn 6 40 8
50 Bank turn port 11 12 2
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Position Manoeuvre Time in Matrix
number Manoeuvre number manoeuvre | appiications
(s)
Fifth sonar dunk
51 Fifth combined manoeuvre
(hover time 474 s) 25 683 1
52 Forward flight 103 kn 6 45 9
53 Bank turn port 11 1z 2
54 Porward flight 303 kn 6 20 4
55 Bank turn port 11 12 2
56 Forward £light 103 kn 6 30 6
57 Bank turn port 11 12 2
58 Forward flight 103 kn 6 25 5
59 Bank turn starboard 12 10 2
Sixth sonar dunk
60 Sixth combined manoeuvre
(hover time 373 s) 25 582 1
61 Forxward flight 103 kn 6 55 11
62 Bank turn port 11 12 2
63 Foxward flight 103 kn 6 40 8 !
64 Bank turn starboard 12 10 2
65 Forward flight 103 kn 6 25 5
66 Bank turn starboard 12 10 2 |
67 Forward flight 103 kn 6 55 11 !
68 Bank turn starboard 12 10 2 '
Seventh sonar dunk
69 Seventh combined manoeuvre
(hover time 330 s) 25 539 1
70 Forward flight 103 kn 6 45 9
71 Bank turn port 11 12 2
72 Forward flight 103 kn 6 35 7
73 Bank turn port 11 12 2
74 Forward flight 103 kn 6 35 7
75 Bank turn port 11 12 2
76 Forward flight 103 kn 6 70 14
77 Bank turn port 11 12 2
78 Forward flight 102 kn 6 65 13
79 Bank turn starboard 12 10 2
Eighth sonar dunk
80 Elghth combined manoeuvre
(hover time 419 s) 25 628 1
81 Forward flight 103 kn 6 35 7
82 Bank turn port 11 12 2
83 Forward flight 103 kn 6 35 7
84 Bank turn porc 11 12 2
85 Forward flight 103 kn 6 45 9
86 Bank turn starboard 12 10 2
87 Forward flight 103 kn 6 30 6
88 Bank turn starboarad 12 10 2
89 Forward flight 103 kn 6 30 6
90 Bank turn port 11 12 2
91 Forward flight 103 kn 6 50 10
92 Bank turn starboard 12 10 2
93 Forward flight 103 kn 6 15 3
94 Bank turn port 11 12 2
95 Forward flight 103 kn 6 60 12
96 Bank turn port 11 12 2
Ninth sonar dunk
97 Ninth combined manoeuvre
(hover t{me 390 s) 25 599 1
98 Foxward flight 103 kn 6 10 2
99 Bank turn port 11 12 2
100 Forward f£light 103 kn 6 10 2
101 Bank turn starboard 12 10 2
102 Forward flight 103 kn 6 75 15
103 Bank turn port 11 12 2
104 Forward flight 103 kn 6 35 7
105 Bank turn starboard 12 10 2
106 Forward flight 103 kn 6 30 6
107 Bank turn starboarad 12 10 2
108 Forward flight 103 kn 6 5 1
109 Bank turn starboard 12 10 2
110 Forward flight 103 kn 6 45 9
111 Bank turn starboard 12 10 2 i
112 Forward flight 103 kn 6 25 5
113 Bank turn port 11 12 2
114 Forward flight 103 kn 6 20 4
115 Bank turn port 11 12 2
116 Forward flight 103 kn 6 40 8
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: Table 11 (continued) )
- - |
Position Manoeuvre Tine in Matrix
nunber Manoeuvre number manoeuvre | applications X
\ (s) ) '
|
117 Bank turn starboard 12 10 2
118 Forward fiight 103 kn 6 10 2
119 Bank turn port 11 12 2
120 Forward flight 103 kn 6 10 2
. 121 Bank turn starboard 12 10 2
) 122 2,25 hour flight marker - - -
Tenth sonar dunk
l 123 Tenth combined manocuvre
(hovex time 190 s) 25 399 1
124 Forward flight 103 kn 6 70 14
125 Bank turn port 11 12 2
; 126 Forward flight 103 kn 6 30 6
127 Bank turn starboard 12 10 2
128 Forward flight 103 kn 6 50 10
129 Bank turn starboard 12 10 2
130 Forward flight 103 kn . 6 25 5
\ 131 Rank turn port 11 12 2
Eleventh sonar dunk
132 Eleventh combined manoeuvre
(hover time 290 s) 25 499 1
133 Forward flight 103 kn 6 40 . 8
134 Bank turn port 12 10 2
135 Forward flight 103 kn 6 45 9
136 Bank turn port 11 12 2
137 Forward flight 103 kn 6 3¢ 6
138 Bank turn starbozrd 12 10 2
139 Forward flight 103 kn 6 35 7
140 Bank turn port 11 12 2
L 141 Forward flight 103 kn 6 80 16
! 142 Bank turn starboard 12 10 2
143 Forward flight 103 kn 6 75 15
144 Bank turn port 11 12 2
145 Forward flight 103 kn 6 30 6
146 Bank turn port 11 12 2
Twelfth sonar dunk
147 Twelfth combined manveuvre
(hover time 207 s) 25 416 1
148 Forward flight 103 kn 6 25 5
149 Bank turn port 11 12 2
150 Forward flight 103 kn 6 35 7
151 Bank turn port 11 12 2 ,
152 Forward £light 103 kn 6 65 13
153 Bank turn starboard 12 10 2
154 Forward flight 103 kn 6 45 9
. 155 Bank turn starboard 12 10 2
X 2 156 Forward flight 103 kn 6 30 6
157 Bank turn port 11 12 2
Thirteenth sonar dunk
158 Thirteenth comblined manoeuvxe
(hover time 374 s) 25 583 1
159 Forward flight 103 kn 6 55 11
160 Bank turn starboard 12 10 2
161 Forward flight 103 kn 6 15 3
162 Bank turn starboard 12 10 2
163 Forward flight 103 kn ) 20 4
164 Bank turn port 11 12 2
165 Forward flight 103 kn 6 ] 1
166 Bank turn port il 12 2
167 Forward flight 103 kn 6 25 5
168 Bank turn starboard 12 10 2
169 Forward flight 103 kn 6 25 5
170 Bank turn port 11 12 2
171 Forward flight 103 kn 6 35 7
172 Bank turn port 11 12 2
173 Forward flight 103 kn 6 50 10
174 Bank turn starboard 12 10 2
175 Forward flight 103 kn 6 40 8
176 Bank turn port 11 12 2
Fourteenth sonar dunk
177 Fourteenth combined manoeuvre
(hover time 290 s) 25 499 1
178 Forward flight 102 kn 6 5 1
179 Bank turn port 11 6 1
180 Forward flight 103 kn 6 25 5
181 Bank turn starboard 12 10 2
182 Forward flight 103 kn 6 80 16
4
o 1 - — - JUSSESRREF 8
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5 Table 11 (concluded)
prosition Manoeuvre Tine in Matrix
| nunber Manoeuvre numbexr manoeuvre applications
(s)
! 183 Bank turn pork 11 12 2
184 Forward flight 103 kn 6 60 12
185 Bank turn port 11 12 2
186 Forward flight 103 kn 6 15 3
187 Bank turn starboaxd 12 10 2
| 188 Forward flight 103 kn 6 50 10
‘ 169 Bank turn port 11 12 2
190 Forward flight 103 kn 6 40 8
i 191 Bank turn starboard 12 10 2 ,
192 Forwaxd flight 103 kn 6 50 10
193 Bank turn port 11 12 2
154 Forward flight 103 kn 6 30 6
195 Bank turn port 11 12 2
196 Forward flight 103 kn 6 110 22 ‘
197 Bank turn port 11 12 2
198 Forward flight 103 kn 6 30 6
199 Bank turn port 11 12 2
3 200 Forward flight 103 kn 6 20 4
201 Eank turn port 11 12 2
202 Forward flight 103 kn 6 40 8
203 Bank turn port 1l 12 2
204 Forward flight 103 kn 6 20 4
205 Bank turn starboard 12 10 2
206 Forward £light 103 kn 6 30 6
207 Bank turn port 11 12 2
208 Forwaid flight 103 kn 6 35 7
209 Bank turn port 11 12 2 ]
210 Forward »¥light 103 kn 6 15 3
211 Bank turn starboard 12 10 2
212 Forward £1ight 103 kn 6 35 7
| 213 Bank turn port 11 12 2
214 Forward flight 103 kn 6 40 8
215 Bank turn port 11 12 2
216 Forwarxd flight 103 kn 6 €0 i2
217 Bank turn starboard 12 10 2
218 Forward flight 103 kn 6 30 ]
219 Bank turn starboaxd 12 10 2
220 Forward flight 103 kn 6 30 6
221 Bank turn pork 11 12 2
222 Forward flight 103 kn 6 55 11
223 Bank turn starboard 12 10 2
224 Forward flight 103 kn 6 100 20
225 Bark turn port 11 12 2
226 Forward flight 103 kn 6 20 4
227 Bank turn port 11 12 2
. 228 Forward flight 103 kn 6 75 15
» 229 Bank turn atarboard 12 10 2
P 230 Forward £iight 103 kn 6 25 5 :
231 Bank turn port 31 12 2
232 Forward £light 103 kn 6 55 11
233 Bank turn port 11 12 2
234 Forward flight 103 kn 6 65 13 ‘ |
235 Bank turn port 11 12 2
236 Forward £light 103 kn 6 20 4
237 Bank turn port 11 12 2
238 Forward flight 103 kn 6 60 12
239 Bank turn port 11 12 2 i
240 Autorctation 21 60 12
241 Recovery from autorotation 22 5 1
Landing sequence marker - - -
242 Descent 23 40 8
243 Porward flight 60 kn 5 108 27
244 Porward flight 40 kn 4 28 7
245 Forward flight 30 kn 3 30 5
246 Forward f£flight 20 kn 2 28 7
247 Normal approach to hover 9 20 5
248 Hover 10 293,5 0
249 Sideways to port 13 32 8
250 Recovery from sideways to port 14 10 2 ,
251 Spot turn port 19 18 1
252 Rearwards flight 17 30 12 '
253 Recovery frem rearwards flight 18 12 2
254 Sideways tao starboard 15 31.5 9
255 Recovery from sideways to starboard 16 10 2
256 Spot turn starboard 20 18 1 :
257 Landing 24 18 3
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' Table 12
SEQUENCE OF MANOEUVRES IN SAR SORTIE
Position Manoeuvre Time in Matrix
number Manoeuvre number manoceuvre | applications
(s)
1 Take-off 1 36 6
2 Forward flight 20 kn 2 ‘8 2
) 3 Forward flight 30 kn 3 6 1
) 4 Forward flight 40 kn 4 8 2
5 Forward flight 60 kn 5 32 8
! 6 Maximum power climb 70 kn 7 30 10
7 Forward £light 103 kn 6 315 63
8 Bank turn port 11 6 1
‘ 9 Forward flight 193 kn 6 195 39
f 10 First 0.75 hour flight marker -1 - -
‘. 11 Bank turn starboard 12 5 1
12 Forward flight 103 kn 6 550 110
13 Bank turn port 11 6 1
14 Forward flight 103 kn 6 320 64
¥ 15 Bank turn starboard 12 5 1
16 Forward f£light 103 kn 6 155 31 |
17 Bank turn starboard 12 5 1 |
18 Fcrward £light 103 kn 6 115 23 :
19 Bank turn starboard 12 5 1 ]
20 Forward flight 103 kn 6 255 51 :
21 Bank turn starboard 12 5 1 |
22 Forward £light 103 kn 6 300 60
23 Bank turn port 11 6 1
24 Forward flight. 103 kn 6 375 75 .
25 Bank turn starboard 12 5 1 !
26 Forward flight 103 kn 6 605 121 l
27 Bank turn- starboard 12 5 1 5
L 28 Forward flight 103 kn 6 260 52 ;
29 Bank turn port 11 6 1
30 Flrst 2.25 hour flight marker -2 - -
31 Forward flight 103 kn 6 310 62
32 Bark turn starboard 12 5 1 f
3 Forward flight 103 ka 6 640 128 '
34 Bank turn starboavd 12 5 1
35 Forward flight 103 Un 6 250 50
36 Descent 23 20 4
37 Foxward flight 60 xn 5 2000 500
SAR marker - - -
38 Descent 23 20 4
39 Forward flight 60 kn 5 580 145
40 Foxward flight 40 kn 4 8 2
41 Forwaxrd £light 30 kn 3 6 1
- o 42 Forward flight. 20 kn 2 8 2
. 43 Normal approach to hover ¢ 8 2
44 Hover 10 ’ 600 0
45 Sideways to port 13 32 8
46 Recovery from sideways to port 14 10 2
47 Rearwards flight 17 30 12
48 Recovery from rearwards 18 12 2
49 Spot turn starboard 20 18 1
50 Forward flight 20 kn 2 8 2
51 Forward flight 30 kn 3 6 1
52 Forward flight 40 kn 4 8 2
53 Forward flight 60 kn 5 64 16
54 Maximum power climb 70 kn 7 30 10
55 Bank turn port 11 6 1
56 Forward flight 103 kn 6 390 78
57 Second 0.75 houwr flight marker -1 - -
58 Bank turn port 11 6 1
59 Forward flight 103 kn 6 680 136
60 Bank turn port 11 6 1
61 Forward flight 03 kn 6 230 46 .
62 Bank turn starboard 12 5 1
63 Forward f£light 103 kn 6 355 71
64 Bank turn starboard 12 5 1
65 Forward flight 103 kn 6 830 166
66 Bank turn starboard 12 5 1
67 Forward flight 103 kn 6 290 58
68 Second 2,25 hour flight marker -2 - -
69 Bank turn port 11 6 1
70 Forward flight 103 kn 6 525 105
71 Bank turn port 11 6 1
72 Forward flight 103 kn 6 415 83
713 Bank turn port 11 6 1
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Table 12 (concluded)
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Position Manoeuvre Time in Matrix
number Manoeuvre number manoceuvre | applications
(s)
74 Forward flight 103 kn 6 405 81
75 Descent 23 15 3
76 Forward flight 60 kn 5 792 198
Landing sequence marker - - -
77 Descent 23 20 4
78 Forward flight 60 kn 5 32 8
79 Forward flight 40 kn 4 8 2
80 Forward flight 30 kn 3 12 2
81 Forward flight 20 kn 2 8 2
82 Noxrmal approach to hover 9 4 1
83 Hover 10 58.5 0
84 Sideways to starboard 15 31.5 9
85 Recovery from sideways to starboard 16 10 2
86 Spot tuxn port 19 18 1
87 Landing 24 18 3
Table 13
SEQUENCE OF MANOEUVRES IN COMBINED MANOEUVRE IN ASW SORTIE
Position - Manoeuvre Time in Matrix
number Manoeuvrs number manceuvre | applications
(s)

1 Descent 23 10 2
2 Forward flight 60 kn 5 24 6
3 Forward flight 40 kn 4 i2 3
4 Forward flight 30 kn 3 12 2
5 Forward flight 20 kn 2 12 3
6 Normal approach to hover 9 12 3

7 Hover 10 variable none
8 Forward flight 20 kn 2 12 3
9 Forward flight 30 kn 3 12 2
10 Forward f£light 40 kn 4 12 3
11 Forward £light 60 kn 5 24 6
12 Maximum power climb 7 12 4
13 Forward tlight 103 kn 6 20 4
14 Bank turn starboard 12 10 2
15 Forward flight 103 kn 6 15 3
16 Bank turn starboard 12 10 2
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DURATION OF MANOEUVRES IN SORTIES TAKING INTO -ACCOUNT

Table 14

INDIVIDUAL MANOEUVRE LOAD SEQUENCE FLIGHT TIMES

Time in manceuvre for 3.75 hour sortie (s)
Load Training Transport ASW SAR
e o 0P [T o
No. | f£light o b= 9 Ly o L2 0 o
eme | & | BB | p | B%e | & | BB | % | 2%y
(s) H ne B H 0w E H neE i o5
] AT o ool 437 3 ey 3 - H
2 2 v ) ke :n“ 0 2 >‘.u 0 2 >-.u
< A3 < Aa < A < )
1 6 36 36 18 18 36 36
2 4 54 52 375 376 31 32
3 6 54 54 375 378 31 30
4 4 54 56 375 376 31 32
5 4 1155 1156 804 804 3499 3500
6 5 11140 11160 4824 4845 8748 8765
7 3 60 60 18¢ 180 60 60
8 5 23 25 - - - -
9 4 - - 188 188 11 12
10 - 385 385.5 4432 4432.5 655 658.5
11 6 108 108 740 738 61 60
12 5 108 110 740 740 61 60
13 4 30 32 30 32 30 32
14 5 12 10 12 10 12 10
15 3.5 30 31.5 30 31.5 30 31.5
16 5 12 10 12 10 12 10
17 2.5 30 30 30 30 30 30
18 6 12 12 12 12 12 12
19 18 30 18 3¢ 18 30 18
20 18 30 18 30 18 30 18
21 5 60 60 60 60 - -
22 5 5 5 5 5 - -
23 5 36 35 180 180 72 75
24 3 36 36 18 18 18 18
Table 15
SEA KING FLIGHT DURATIONS DISTRIBUTIONS WITH
COUNTING INTERVALS OF 15 min, 1 h AND 1.5 h
Initial Number of flights in each counting interval
igzggtgg Trajining Transport ASW SAR
(min) 1* 2% % 3t 1 2 3 1 2 3 1 2 3
0- 15 106 1 87 ] 241 1 5
15~ 30 213 o 141 48 12
30~ 45 w67 777 Laes || 1550 592 Lgeo | eaf 1% 1sas | 10f 47 Yso
45~ 60 291 209 83} 20
60~ 75 226 137 93} 13
15- 90 165 140 3 213 L. 20
90-105 68 5357 gaf 468 152} 744 17 3]
105-120 76 108 286 k 23 ,
120-135 39 ) 269 7 469 | 156 543 5 Y
135150 38 79 128 o 5
£50-165 5] 125 a7{ 27¢ 75{ 59 g 25
165-180 33 : 76 ; 146 7 ;
180-195 8 48 80 l 5
195-210 11 L 25 98 3
210-235 i 248 s Yol 199 Yuz0 | e2f 3°° Ya22 3f 15 Y18
225-240 17 12 4,
240~255 - 5 44 1
255-270 1 4 6 E 12 E 2 2
270-285 z} 3 2f M af o3 1 3
285-300 - 1 3 0 L
300-315 - 2 1‘ 6 4] 13 1 2
315-330 - 1 3 2 p -
330-345 - oj - ? - 1
345-360 - 1 -~ -
Total for
each sortie 1464 1464 1902 165
*  Counting interval of 15 min ** Counting interval of 1 h

+ Counting interval of 1.5 h
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Takle 16
ESTIMATION OF FLIGHT SEQUENCE LENGTH FOR LOADING STANDARD
ti Training Transport ASW SAR
(h) NFPHim NFim NFpHim NFim NFPHim NFim NFPHim NFim
Case 1: 6 time intervals of 1 h
0.5 0.1602 1232 0.1333 1025 0.0048 37 0.0167 3128
1.5 0.1103 848 0.1054 811 0.0164 126 0.0259 199
2.5 0.0258 198 0.0626 482 0.0111 854 0.0089 68
3.5 0.0049 38 0.0246 189 0.0081 62 6.0053 41
4.5 0.0006 5 0.0032 25 0.0014 11 0.0011 8
5.5 - 0.0007 5 0.00013 1 0.0004 3
NF, = 6395
Case 2: 5 time intervals of 1 h
0.5 0.1615 147 0.1343 122 0.0043 4 0.0171 16
1.5 0.1112 101 0.1062 96 0.0248 23 0.0265 24
2,5 0.0260 24 0.0631 57 0.0112 10 0.0091 8
3.5 0.0050 5 0.0247 22 0.0081 7 0.0054 5
4.5 0.0006 1 0.0032 | 3 0.0014 1 0.0011 1
NF, = 677
Case 3: 3 time intervals of 1.5 h
0.75 0.2447 47 0.1954 38 0.0115 2 0.0278 5
2,25 0.0564 11 0.1055 I 20 0.0207 4 0.0226 4
3.75 0.0052 1 0.0270 5 0.0093 2 0.0063 1
NFS = 140
Table 17
DESCRIPTION OF THE VARIABLES USED IN THE
HELIX GENERATION ALGORITHM FLOW CHARTS
Variable Description
I Incremental counter for sortie sequence
-IASWTYPE Sequence of manoeuvres in the standard ASW sonar dunk operation (Table 13)
ISART Counter to indicate search and rescue portion of SAR sortie
FSEQUENCE | Sesquence of 140 sorties that define Helix (see Table 4)
ISORTIE The sortie to be simulated
K,L Dummy variables
LSM Sequence of loads in each manoeuvre {see Table 8)
MANNO The manoeuvre to be simnlated
MASW Number of applications of LSM required for each manoeuvre in the manoeuvre
sequence IASWTYPE (s2e Table 13)
MTYPE Sequence of manoeuvres in each of the four sorties (see Tables 9 to 12)
N Incremental counter for manceuvre sequence in a sortie
NASW Incremental counter for standard ASW sonar dunk manceuvre sequence
NEWN Manoeuvre sequence numbur in each sortie that starts the landing sequence
and the manoeuvre sequence number that staxts the search and rescue routine
in the SAR sortie
NOMA Number of applications of LSM required for each manoeuvre in the manoeuvre
sequence for each sortie, MTYPE (see Tables 9 to 12)
NS Number of manoeuvres in each of the four sorties
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Appendix B
ASSESSMENT OF SUITABLE FLIGHT DUKATIONS AND SORTIE SEQUENCE LENGTHS
B.l General considerations

The collection of the Sea King flight durations has been discussed in section 4.3
and the data presented in graphical form in Figs 1 and 2. For the analysis presented
here it is more convenient to have the data in tabular form, Table 15. In this Table for
each sortie the number of flights recorded in the initial duration counting interval of
15 min is listed along with the results of using counting intexrvals of 1 h and 1.5 h. To
represent flight durations diffexing only by 15 min would prove a difficult task and an
initial estimate suggested that flight durations differing by 1 h or 1.5 h would be more
suitable. The criterion that assess2s the sulitability of these flight durations is that
the most infrequently occurring sortie must cccur at least once in the sequence of
sorties of the standard. In addition the length of the sequence of sorties should be of
the order of 200 sorties long. Details of the analysis follow.

B.2 Symbols and data for the analysis

k number of counting intervals for the flight length data
m sortie number
m = 1 for Training
m = 2 for Transport
m = 3 for ASW
m = 4 for SAR
n number of flights of duration ty for sortie m recorded in Table 15
NF, o numbexr of flights of duration ty for soxrtie m in the loading standard
NFS total numbexr of flights in the loadind standard
NFPHim number of £lights per hour of duration ty for sortie m 4in the data
NFPH..i ¢ number of f£lights per hour of duxation topip 40 the data
p(t, ) proportion of flights of durxation ¢, for mission m for the data in
im Table 15 1
p(Tm) fraction of one hour spent in sortie (all-aircraft sortie mix in Table 1,
section 3)
ty mean time o0& counting interval 1 for the data an Table 15
Em average flight Quration of sortie m in the loading standard
tcrit duration of the most infrequent flight in the loading standard.

B 3 Analysis

The proportion of flights of duration ty for mission m for the data in Table 15
is:

(t, ) = Dim
Py I;E ’
- n
j=1 W

The average flight duration of sortie m in the loading standard is then:

(S
i
ta

tm =

!

Pl ey -

[y
1]
—

Using the sortie mix for all aircraft ths number of flights per hour of duration ty for
sortie m is therefore:

p(t, )p(T )
NFPH, = ——if T,

in tn

The sriterion has keen set that the most infrequent flight must occur once in the loading
standard, therefore S
1

NFim

and it follows that

NFPH,
WFPHpit

NFim = nearest integer value of
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and that the length of the loading standard will be:

m=4 i=k
NPy = L™
m=1 d=l
with the final constraint that:
NFS & 200 .,

B.4 Results of analysis

Three cases were studied using the analysis described above and values of NFPHyy ,
NFijn and NFg are listed in Table 16 for each case. In the fixst case to be studied
six counting intervals of 1 h were considered, resulting in flight durations of 0.5 to
5.5 h in hourly increments. It can be seen from th. data in Table 16 that the criticel
sortie is a 5.5 h duration ASW missior and for thils to occur at least once the sequence
of sorties would have to be 6395 flights long. In the second analysis only five count-
ing intervals of an hour were considered, counts recorded between 5 and 6 h being
disregarded. Details of the analysis’are again presented in Table 16 which indicates
that the 4.5 h duration flights for Training, ASW and SAR are the critlcal sorties that
determine the 677 flights of the sortie sequenge, In the final analysis presented in
Taole 16 the counting interval was increased to 1.5 h and again counts in the longest
flight duration reglon were disregarded. The 3.75 h flights tor Training and SAR
determine the length cf the sortie sequence which at 140 flights was an acceptable length.

T R RN
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L
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Appendix C
GUIDELINES TO WRITING A GENERATING ALGORITHM FOR HELIX
C.1  Outline

A flow chart of the general generation algorithm for Helix is illustrated in Fig 15
and flow charvts for the three subroutines in Fig 15 are given in Figs 16 and 17. A
description of each of the variables used in the flow charts is given in Table 17 along
with a reference to the tables in this Report that list the appropriate data. A descrip-
tion of this data is given in section 6. The notation and arithmetic logic used in the
Appendix is that used in FORTRAN.

The algorithm to generate Helix, incremer.ts through the sequence of sorties and for
each sortie increments through the sequence of manoeuvres that define the sortie. For each
manoeuvre accessed the appropriat: load sequence is applied the required number of times.,
Three subroutines, CHECK1l, CHECK2 and CHECK3, respectively decide when to skip manoeuvres
in the sequence to zchieve the required flight length, when to apply the standardised
sonar dunk operation in the ASW sortie and when the manoeuvre to be applied is hover
which has no loading sequence.

The most important aspects of the algorithm are described in the sections that
follow.

C.2 Calculation of sortiz number and flight lenyth

The sortie number and flight length are derived from the seguence of sorties,
ISEQUENCE, as follows.

ISORTIE = ISEQUENCE(I)/10 uging integer arithmetic
eg
ISORTIE = 23/1¢ = 2

te the sortie to be applied is type 2 which is transport (see Table 4).

The £light length = ISEQUENCE(I) -~ (10 x ISORTIE)

eg
flight length = 23 = (10 % 2) = 3

te £light length 3 1s required@ which is 3.75 hours duration (see Table 4).
C.3 Skippingy of manoeuvres to achieve the required flight length

If a 3.75 h flight Quraticn is required then all the manoeuvres in MTYPE for the
gortie are applied. To simulate the 0.75 h and 2.25 h flight durations some manoeuvres
in MTYPE are skipped by the identification of the flight markers (see section 6). The
0.75 h and 2,25 h flight markers are stored in MTYPE as manoeuvre numbers -1 and -2
respectively for each of the four sorties., The addition of the manoceuvre type number,
MANNO, to the flight length number indicates whether manoeuvres must be skipped. When
Eq.(C~1)is zero the flight marker for the correct flight length has been reached in MTYPE,

K = ISEQUENCE(I) - (ISORTIE X 10) + MANNO (C-1)

For the Training, Transport and ASW sorties the next manoeuvre is that following the
landing sequence marker. For the SiR sortie two jumps in %he muanoeuvre sequence are
performed to achieve the 0.75 h or 2.25 h flight durations. On first encountering a

0.75 h or 2.25 h flight marker, with K equal to zer»>, the next manoeuvre is that follow-
ing the SAR marker. On the second encounter of a 9.75 h or 2,25 h flight marker, with K
equal to zerc, the next manoesuvre is that foliswing the landing sequence marker. The
counter ISARJ 1s set to one on the first enccunter of a flight marker and to zero on the
second encounter in the SAR sortie thereby indicating the search and rescue portion of
the SAR sortie. The manoevvre sequence nunbers for the manouvres that follow the landing
sequence markers and SAR merxer are stored in the one-dimensional matrix NEWN which has
five elements. The first three elements are the manceuvre sequence numbers of the first
manoeuvre after the landing sequence marker for Training, Transport and ASW sorties. The
fourth element ;s the manceuvre segnrance numker of the manoceuvre that follows the SAR
marker and the fifth element is the manoeuvre sequence number of the manoeuvre that
follows the lciding sequence marker in the SAR sortie. Therefore if X 1is zero in

Eq. {C~1) then the next manoeuvre to be applied is at sequence number N, where

W = NEWN(ISORTIE + ISARJ) .

If ISORTIE ecuals 1, 2 or 3 then ISARJ equals zero and the first three elements of NEWN
are accessed according tu the value of TSORTIE, if ISDRTIE equals 4 and K in Eq, {(C-1)
is zero for the first t we then ISARJ is zero so that the fourth element of NEWN is
accessed. ISARJ is then set tc one. The second time K 1is zero the firfth element of
NEWN is accessed.




16-1

FATIGUE TEST PROGRAM AND TFEST RESULTS

by D. Schutz, H.~G. Ksblai; Frounhofer-Institut fur Betriebsfestigkeit, Darmstodt (LBF) and
W. Schutz, M. Huck; Industrieanlogen~Betriebsgesellschoft, Munchen (IABG)

1, Foreword

In order to prevent any reoders disoppointment at the end of this paper it must be stated ot once, that the following
chapters hed to be essentially restricted against the earlier concept in the initial phase of planning the contributions to

this meeting.

The theoretical development of the HELIX/FELIX ~ standards is indeed neorly finished now, but coused by some delay
during, the development of these standards unfortunately fatigue tasts could not ot all be carrind out up to now.

Therefore only a general scope of the test progran: considered and some spetlights In this context can ho given at present.
Because the authors are not intended to fulfill the ollotted time by more or less sophisticated digressions instead of

presenting test results, this report will be briefer than scheduled ir the meeting program,

2, Introduction

In o previous study the concept of a standordized load sequence hosed on service experience of helicopter rotors has
been estimated as feasible and useful. When such a standard s avalloble s shortly will be, its presumed advantoges
according o an Improved realism ogainst the conventional methods have to ba ahsturtiated by suitable fatigue tests,
Fig. 1 describes schematically how the two conventional methods of life estimation In helicopter design thet are based
on constant amplitude tests and on blockprogram tests respectively ora compared with a life estimation based on HELIX
and FELIX,

For that purpose the HELIX and FELIX spectra are used:

- for the constant amplitude method as the basls for the linear domoge calceulation (Miner’s rule) and

«  for the block=progrem method as the basis for deriving the blocked test program,

e HELIX/FELIX bz will glve.a basis of fatigue lifes which ore ot least from the viewpoint of the lozi program very

real{stic,

3. Details of the test program considered

Materiol selectlon and test specimens have to be orlented on current helicepter rotor design on the one hand, 2n the
other hand test results obtained should be comparable with results of other investigations on fatigue perfurmance of
structural materials. Fiy., 2 shows the .hree soecimen types provided for the fatigue test program considered in relotive

scale, each type used alrecdy for numerous fatigue test programs in the past.

The stress concentration factor K = 2,5 of the notched Titanlum end Aluminium specimens with a centre hole of 8 mm
diameter has been consldered & repesenkithe  for structural components, The final rolling direction of these shaet specimens

coincides with the direction of the axial loading,

The glass fibre reinforced plastic (GFRP) specimens are smaller in size because this material tends to heat up under
vibraiory looding if the mainly stressed are., is too voluminous. Tha stress concentration fac.or of the GFRP=spacimens is

chesen to be Kt = 1.0 with respect to helicopter rotor components manufactured of such materials which are also unnotched,

The GFRP-Specimens provided for axial looding include elther uniditectional or multidirectional laminates. The GFRP-

specimens for 3-point=bending tests generally contain unidirectionally oriented glass fibres only,
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A survey of the test progrom considered in this context is shown in Fig, 3, The cross symbols in the single fields of this
table indicate which parometer combinations, i.e. material, specimen type, type of loading and type of test, will be
investigated, Dashes mean that tests will not be run. In ail cases constant amplitude tests will be performed as a basis for
subsequent life calculations and .hall verify or complete resp. already existing $-N curves., It is the intention to
investigate the differences in fatigue life predictions based on the application of the standard load sequences also with
predictions based on results of block program tests for some selected cases. Therefore also block program tests with the

| HELIX and FELIX spectra will be carried out.

Finally, with respect to e.g. shortening of the testing time, the effect of omitting low stress amplitudes but also of

trunceting high stress amplitudes on the fatigue life shall be checked by socalled development tests,
The test program will be carried out as a joint venture of RAE, NLR, 1ABG and LBF,

4, Relationship of measured ond standardized lood sequences

{ With the intention to give a visual impression of lood sequences experienced by a helicopter rotor blade lower side in the
region of maximum bending moments a short cutout of a strain-time history relevant to a semirigid rotor is shown in Fig.4.
Although this strain trace does not represent actinous  rezord of an original flight, but is artificially built vz by a
synthesis cf several manoeuvres measured under stobilized flight conditions each, some typical attributes used for

considoring the 1zoding standards can be recegnized as follows:

- The mean strain is significontly different from zero and can be assumed to be nearly constant over relative wide
discrete ranges.

= Tho amplitude of the vibratory strain does not vary too much within most of the single manouevres with lower loads.

= During manoue.res with more severe loading the amplitude of the vibratory siraln varles much moro.

= In some cases the strain=time history dips into the compression region,

Among others the abovia mentioned choractaristics have been realized in the standards. Fig. 5 shows a short cutout of a

i stondardized manoejvre tequence . Regarding this figure it should be emphasized thot the manoeuvre durations indicated
In seconds relate ta the original flight times to be simulated by the standardized loading in which low intermediate
vibratory stresses are already omitted, The stress cycle sequence shown in this graph represents for example a flight time
of | minute, but it willbe regreduced  during obout 2,4 seconds In fatigua test, if a test frequency of 40 Hz is opplied.
In the fallowing tha prove is undertaken that the simplification of the original stress=time history by coflecting samples

L of stress cycles with opproximately the some amplitude into blocks is permissioly,

Fig.6 shows results of an other investigation concerning the influence of ‘oad cycle mixture on the fatigue life. Each

symbol represents an averoge value of ten bending tests with a strass ratio. of R =0 valid for the maximum stress amplitude !

of the pectrum,

The emplitude distribution of the spectrum is a stralght line in the usual log-linecr scole. 1t hos been tekun from long
time measurements on motor cor reor axles,

Sarvice duplication tests on notched cylindrical specimens with Kt = 2,15 manufactured of steel equivalent to SAE 5140
und an aluminium alloy equivalent to 2024 respectively delivered the fatigue life curves established by ¢ircular symbols,
Conventlonal block program tests based on the some lood spectrum with a total number of mean crossings of Ho=3 +10
per period delivered the fatigue life curves assigned by open quodratic symhols, Evidentially the life is unrealistic long
in the block program test. After di.ainishing the cycle-block size by a factor of one hundred the test results symbolized

by half coloured squares were obtained which coincide fovourably with the results of the service duplication tests.,

From this data the conclusion can be drawn that random lood sequences are allowed to be replaced by cycle blocks if
only the block size Is short enough in comporison with the number of cycles to failure, There is no doubt that btocking
of single manceuvres in a flight is odmissible when considering ihe fact that one period of the HELIX/FELIX standards 9
include 140 single flight, each of which compesed of mony different manoeuvres.Another example in this context is given

in Fig, 7. 1t is shown that blocking the random tequence of gust cycles in one flight in on ascending~-descending order

- > p——

A T A T T e T




16-3

has no significant effect on the fatigue life,

5. Concluding remarks

5.1 Further applications of HELIX/FELIX

When the present investigation will be finished by the end of next year, only initial work will have been done leaving
still many questions oper:, e.g. see Fig. 8. In this context the estimation of fatigue strength of helicopter rotor parts is
mainly important. The fatigue life data obtained by application of the standardized load sequences can be directly used
for life estimation of a structural component only in cases when the service and standard load spectra are very similar. If
there are service lood spectra significantly different from the spectra of the loading standards the test results are to be
converted by e.g. relative Miner’s rule, The range of validity of Miner’s rule can be deduced e.g. by converting the

test results from HELIX into FELIX and vice versa,

Comparative testing of different design solutions under standardized loading will give more accuracy and confidence to
support the decision for either one solution or the other than constant amplitude testing can provide (e.g. what if
SN-curves intersect?) . All test results collected within this progrem and the following progrems yield data for the design
of helicopter main rotor parts in form of fatigue life curves. Beyund getting reliable data for supportable vibratory stresses
versus fatigue life the knowledge of realistic scatter factors will grow. On this basis well founded allowable stresses can
be deduced.

A lot of other points where the fooding siandard sen be uvseful or does he extremely important respectively can be

named, ©.9.:

- investigation on damage tolerance concepts
- investigation of usedup life time of components used already in service
- investigation of the influence of corrosion.

More than in cll other cases cited obove the application of domage tolerance concepts demands the prove of the
assumptions under realistic load conditions.

Besides, fatigue testing can be advanced: The influenze of cutting off the standard spectra at low ond high stress
amplitudes (omission of low and truncation of high stress amplitudes) can be studied with the loading standards ond may
Jead to more insight into the phanemenon of demoge accumulatien, Investigations of the Influence of increased test

frequencies may lead to a shortening.of tasting time In connection with cut~off load specira,

5.2 Testing time and costs

One of the arguments brought forward agolnst the usually socalied spectrum testing 1s that it Is too expensive and tokes
too long testing times porticulerly for the rotating components of helicopters. Therefore it is worthwhile to compare costs
and testing times for constont amplitude tests with those of HELIX/FELIX, To define the area of tha fatigue limit of an SN-

Ll Y

curve with sufficient confidence one has to carry out about 30 io 40 tasts up to 107 load cycles and more. If one can use
Amsler vibrophores the testing frequency is about 100 Hz (fiber reinforced plastic components about 35 Hz snly bacause
of heating up) . If on averoge fatigue life of 5+ 106 cycles to failure is assumed the testing time amounts to about 500
hours (fber reinforced plastic components about 1500 hours) . HELIX/FELIX, consist of about 107 load cycles for 1000
flights. If the assumed testing frequency of the neccessary sarvohydraulic equipment is obout 35 Hz one can test up to
about 15 specimens or components between 500 ond 1000 flights within the same 500 hours (obout 40 fiber reinforced
plastic parts within 1500 hours respectively) . Therefore it may well be not more time = contuming and even not much
more costly using the loading standards instead of constant amplitude testing, but the reliability of results will be tauch

better,

5.3 Informaticn for the users of HELIX/FELIX

A report describing the generation of both standards is beeing preparad end will be availobie by the beginning of 1981,

This report contains all the informations for the generation of the standards, The standards will also be available on

e -
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- i punched cords (FORTRAN 1V) which may be requested at the participating institutes.
d The standord load sequences HELIX/FELIX may be used to investigate the open questions connected with statistical and
damage behaviour in spectrum testing necr the fatigue limit in order to improve the life prediction methods used up to now.
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SUMMARY

This paper gives a certain number of results obtained in a research on helicopter fatigue. .
The main objective of this research was a comparison of various approaches to design for
fatigue in helicopter components and, subsequently, an evaluation of improvement in this
area.

Current methodologies used in helicopter industries are considered, as well as nomi-
* nal stress approach, and advanced methcds, namely methods based on local stress-strain
approaches. Fatigue tests -constant amplitude and varijable amplitude loading- have been
carried out on a typical dynamic component, the tail rotor mast of A 105A helicopter.

Spectrum loading tests have been performed using a sequence directly deduced from
flight load survey.

Such experimental data, and theoretical data from of ail the methods considered, are
then compared.Useful indications concerning fatigue evaluation methodolcgies arc given.

1. FOREWORD

The way to deal with the fatigue problem in helicopter industries is generally a safe-

! life approach which assures safety by a rather high reduction factor of estimated 1ife;

! this is due to the very complex nature of the problem for this machine. The mission spec- .
trum and the load spectrum can be established with rough approximation and the actual us- -
age -and,therefore, the fatigue loading- often differs from one user to another and is
different from the one predicted.

The other aspects of the problem, namely the fatigue allowable and the life evaluation -
performed by simplified methods, also present equally considerable uncertainties. ¢

In the past this approach has been successful, but in recent years the required per- :
formance and payioad capabilities for new projects have increased.Furthermore the service
life of components is required to last longer for economic reasons. In these conditions,
such an approach is no longer useful because its application produces heavy structures if
the required safety level must be maintained as is certainly necessary in order to avoid
catastrophic failures.

And, on the other hand, the weight penalty so produced is in contrast with the required
increase in performance and service life. .

It is possible to get out of this dead-end in two ways: one is to maintain a safe-life

" approach while substantially improving knowledge of the fatigue problem thereby reducing

L the excessive degree of conmservation, or alternatively, by applying a damage-tolerance

approach which has already proved to be very successful as far as the fixed-wing in the

same situation is concerned.

This second method is certainly suitable for the helicopter fuselage structure, but at
present there are real difficulties as to its application to dynamic components and the
first method seems to be the better one. This, moreover, is a fundamental step towards
: the right application of damage-tolerart methodology.

So Agusta and the Institute of Aeronautics have been developing cooperative research in
the field of the safe-life design of dynamic components. The following topics have been e
investigated: fatigue strength representation, counting methods of load cycles, fatigue , -
life estimation methods. :

The research has been carried out according to the following rationale: ~to review the
present possibilities in these fields, to pick out the most effective methods in the case v
of helicopter fatigue, to try out these methods with the fatigue test data for helicopter
dynamic components subjected to realistic load sequences.

The final geal is a significant improvement in fatigue 1ife assessment methodologies.

2.1. FATIGUE STRENGTH REPRESENTATION

The relationship used so far between the nominal stress and the number of cycles at . )
failure (the S-N curve) is a basic step in fatigue analysis which raises uncertainties and ' -
rightly so.

For the critical components,specific tests are performed on a few specimens and three
kinds of S-N relationship can be obtained.

The first kind (F! curve) is obtained as a mean curve among the family of curves, cach
passing through 2 fajlure point,|1]. The curves are assumed in the three parameters
Weibull form. Two parameters are fixed depending only on the alloy kind (steel,aluminum
alloy, magnesium alloy, titanium alloy) and the third is the endurance limit to bededuced , e
by the fit with the experimental points. The second kind (F2 curve) is obtained in the
same way of the previous, but the two fixed parameters are depending on specific alloy
(2024,7075,4130,.....), treatment, notch or not notch, type of loading.

g
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The third (BF curve) is always a three parameter Weibull form curve,but the three
parameters are now obtained from a best-fit with all the experimental data.

Basically,the following questions have to be answered:- if the fatigue test data of the
components is correctly represented in this Weibull form- what the most effective repre-
sentation is among the curves consideired and wbat the most correct definition of the re-
duction factor must be to obtain the operative S-N curve from the mean S-N curve.

To this end, the S-N curves have been compared with the experimental results of large
sets of fatigue tests carried out by Agusta and others,|2l.

It is observed (Fig. la,b,c,d,) that F1 curve do not fit very well the exgerimenta] re
sults in quite all the range while F2 curve agrees with the BF curve from 10> cycles and”
then can be considered an effective tool in fatigue data analysis.In the low cycle range,
the fatigue data should be represented more correctly by a four parameters Weibull form
curve, as otherwise the fatigue strength is overestimated. But this N range is not used
in helicopter construction, so the error makes no difference. So it should be adequate
the use of ‘the F2 curve for drawing S-N curves of full scale component fatigue tests. In
this case the number of tests. is indeed so reduced that a more appropriate best-fit ana-
lysis is impossible.

The definition of the S-N curve in the high cycle range is a complicated question. The
S-N curve from constant amplitude tests usually presents a characteristic value, the fa-
tigue limit. Formerly |3] the stress cycles below this 1imit were not regarded as damaging.
Recently, experiments have clearly demonstrated that these stress cycles can be damaging
if stress cycles above the fatigue limit are present. These give rise to a microcrack
which grows because of the small amplitude cycles below the fatigue limit.

So the use of the fatigue limit in the evaluation of fatigue damage for variable ampli
tude 1o0ading can lead to an unconservative life estimate. The fatigue 1imit maintains its
significance only when the entire stress spectrum is below this value.

But this is to be found in the case of structures which are oversized from the fatigue
point of view and which therefore are not critical in this respect,

The dangerous error due to use of the S-N curve with a fatigue limit is overcome in
helicopter construction where it is current practice to extend the S-N curve of the finite
life range at high cycles and to establish the fatigue limit at very high cycles; this is
the procedure applied for the F2 curve definition,|1].A more correct and conservative pro
cedure, recently proposed, seems, however, to be to eliminate the fatigue limit idea and
to use a S-N curve obtained by extrapolating the S-N curve of the finite 1ife range at
high cycles.

Finally, a remark must be made on the use of the F2 curve. The definition of parameter
values for the selection of the right F2 curve is sometimes difficult and presents some
degree of uncertainty. The F2 curves have been defined by Agusta after detailed analysis
of the available data ard a comparison with its own component fatigue data, but very dif-
ferent results can be obtained with data from olher sources. So, a more general procedure
by helicopter people and a standard approach to the problem of drawing S-N curves are {
surely to be hoped for.

The definition of the reduction factor is a even more complicated question.

The first point is where to apply the factor, directly to the S-N curve to be used in
estimating fatigue life or to fatigue life evaluated by the mean S-N curve. The second
point is the procedure of reduction factor definition. While it is certainly true that the
solution generally adopted in helicopter construction is open to criticism and is often
too conservative, we must, nevertheless, have adequate information on the fatigue behav-
}ourdof helicopter components under typical spectra before a different solution can be

ound.

2.2. COUNTING METHODS

A substantiation stage follows the preliminary design stage in the assessment of the
fatigue behaviour of the critical components; constant amplitude tests are performed and
from flight load survey more accurate data on load history can be obtained to be used in
subsequent fatigue analysis.

The problem arises of defining the load cyclies from the irregular load history; this
js not a simple question as the sojution must take the nature of fatigue phenomena into
account, namely it must pick out and count the events which really produce the damage.

The principal counting methods (Tab.l) have been examined from this point of view while
also bearing in mind the results from these produced in fatigue analysis j4]. Each method
has been implemented by a computer program.

D:;ai]ed analysis of the features and fundamentals of the methods allows us to point
out that:

- certain methods -namely, level crossing, peak, mean crossing peak, range restricted peak,
range, range pair exceedance- cannot take the mean value of the damage event into ac-
count, but the mean stress effect is well known to be an important factor in phenomena.

For these methods, it is suggested that an average mean stress for the full history or
for the segments of this should be considered; the procedure,however, is not clearly de-
fined and in some cases can lead to considerable errors;

- the peak method and mean crossing peak method are easily shown to be unconservative in .
some cases since they neglect the smail but damaging stress amplitudes which are ‘
superimposed on large cycles,and so range and range mean methods can also be un-
conservative,|5];

- rain-flow and range-pair-range methods alone can take into account sequence effects
which experimental data shows to be significant in fatigue analysis;

- rain-flow and range-pair-range methods seem to work correctly in cycle counting,without
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the basic errors of other methods; moreover, the first seems to be a better representa
tion of the origin of the damage event: -

The analysis has been completed by comparing the various methods on the basis of re-
sults provided in fatigue 1ife prediction. To this end, all counting methods have been
used with the simplest life prediction method, that is. Mineir's rule,applied to the fa-
tigue data from constant amplitude tests expressed by S-N curves.

Tab.T shows two sets of data. The first concerns the application of the FALSTAFF spec-
trum to an aluminum alloy notched component,the fatigue data of which is obtained from
ESDU data sheets E.02.0%1 in the figure of the S-N curves for various values of Syp.The sec
ond set of data refers to a typical load history of a component of a ground vehicle; com-
ponent fatigue data is reported in [6] for the case in which Sp=0 and the Heywood correc-
tion is used for the other values of the mean stress. For this cass experimental data for
typical spectrum loading is also available.

The data from the rain-flow counting method is most conservative and in close agreement
with experimental data.

The range-pair-range method also provides similar data.

The other methods forecast longer lives because they do not allow for mean stress ef-
fect and small amplitude damage.

The conclusions of this analysis of counting methods point out that rain-flow is certainly
the more effective and reliable method. This demands a 1ittle more computer time in com-
parison with other metheds, but this makes 1ittle difference when considered in relation
to the entire fatigue analysis process.

So the rain-flow counting method has been introduced in all the fatigue-Tife prediction
methods used described in the following.

2.3. FATIGUE-LIFE ESTIMATION METHODS

A general critical review of fatigue-1ife estimation methods under variable amplitude
loading has been carried out [7 1. The following methods have been considered: the nominal
stress approach,the local stress-strain approach, the E.S.D.U. method, the Impellizzeri
method,NMiner's rule as a transfer function method, the Haibach method, the typical meth-
ods for fixed wing aircraft concerning the use of the Fatigue Quality Index or such like.

Considering the specific field and the state of knowledge, the nominal stress approach,
the local stress-strain approach and the Haibach method seemed the most effective tools
and their application is discussed in the following pages.

Al? the other methods contain certain aspects which make them unusable or less suita-
ble in comparison with the ones mentioned above.

Miner's rule as a transfer functicn, for instance, may become a useful method in the fu~
ture, but at present the lack of an adequate amount of experimental data in variable am-
plitude loading prevents it from being reliably appiied.

2.3.1. NOMINAL STRESS APPROACH

This type of method is based on the acquisition of fatigue data for the critical com-
ponents; the fatigue data concerns constant amplitude tests with a steady stress level e-
qual to the forecast mean stress level in flight. The results are expressed as S~N curves.

Two ways are used in the utilization of S-N curves for fatigue-strength evaluation un-
der flight load spectrum. In the first, the nominal stress history is subdivided into seg
ments and each segment is reduced to an equivalent number of constant amplitude stress cycles|!|. Then
Miner's rule is applied using the S-N curve and the Soderberg correction on mean stress if
the relevant value of the flight stress segment is different from that of the fatigue test.
In the second, the rain-flow counting procedure is applied to nominal stress history, and
then Miner's rule is used as in the previous case.

The first, the method using an equivalent number of c.a. cycles, has been employed un~
til now at Agusta, but the second is certainly based more on fatigue phenomena complying
with the use of rain-flow, whizh allows us to take the important sequence effect due to
the memory property of material into account.

This latter approach can produce a significant improvement in fatigue analysis. The
principal shortcoming is the use of the nominal value in the correction for the mean stress
effect and so inaccuracy may be expected where this value may substantially disagree with
effective mean stress, for instance in components with a large stress concentration factor
and in stress histories with a considerable change in level 1n subsequent cycles.

It must be emphasized that the method is also applied in many fields employing general S-N
curves obtained from tests on standard notched specimens and sometimes on smooth specimens.
The suitabla S-N curve for the specific component is carried out by making use of the
stress concentration parameter K¢, or the aotch parameter K¢, The basic difficulty is the
evaluation of K¢ or K¢ and at Agusta this procedure is applied only in the design phase
for the components which are not critical From the fatigue point of view;in all other cases
fatigue tests on the specific component are performed.

2.3.2, THF LOCAL STRESS-STRAIN APPROACH

The basic concept of the local stress-strain approach is the assumption that notched
and unnotched structures béhave in the same way when subjected to the same local stress-
strain history.

Therefore this approach starts with the computation of the local stress and strain his
tory at the notch as a solution of two equations, the cyclic o-¢ relationship and the
Neuber rule. In this step, a special procedure must be used to bring in the memory effect
?f the mageria]; sometimes cyclic dependent phenomena,such as stress relaxation,are also

ntroduced.

Afterwards, the damage event, gererally the closed hysteresis lcop, is computed from
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the stress-strain history and the damage is evaluated by Miner's rule applied to the e-M curve ob-
tained from constant amplitude strain controlled fatigue tests on standard smooth spec-
imens.

On this general basis, different procedures are developed by Wetzel,Landgraf, Soci et
alii, with the principal aim of Saving computing time: consequently, sometimes considerable
simplifying hypotheses and approximations are introduced. A11 these procedures -have been
tested and comparison between them shows that the computer time saving is not such as to
justify the approximations,|7].

So it is considered better to use a "right" procedure in which the stress and strain
history is obtained by the numerical solution of the cyclic o-¢ relationship and the
Neuber rule, taking the memory effect into account too and by applying the rain-flow
counting method to identify the damage events, that is the closed loop hysteresis cycles;
then the damage is evaluated by the Morrow parameter as proposed by Landgraf. Many ques-
tions still remain to be solved (i.e. the use of Kt or Kf in the Neuber rule, the intro-
duction of a residual stress relaxation law, the definition of the damage parameter ,...),
but the local stress-strain approach is ver¥ much worth using and further researchs be-
cause of its wider application -particularly in the design phase- and its predictable
meaningful improvement.

2.3.3. THE HAIBACH METHOD

In the Haibach method,Lal, the peculiaritias of the nom nal stress approach and the lo
cal stress-strain approach are to be found together. -
The stress and strain history from load history, the damaje events and the relevant

values of the damage parameter are deduced in the same way as in the latter approach.

The damage is then evaluated by utilizing the S-N curve of the fatigue strength of crit
ical components expressed by nominal stress. -

At the loading conditions of constant amplitude tests the local stress-strain approach
is applied,thereby obtaining a "transformed" curve which connects the value of the damage
parameter with the 1ife of critical components. Lastly, the damage due to variable ampli-
tude loading is calculated by Miner's rule and by this "transformed" curve,.

The following considerations can be made on the Haibach method :- like the lccal stress-
strain approach,this method allows us to take into account the sequence effects and the
effect of residual stress at the notch; the final result of the method is certainly les
sensitive to the value of K¢ or Kf, the evaluation of which is a very complicated problem
in the local stress-strain approach; and the use of the S-N curve allows us to take the
particu]gr features of the critical component into account as far as fatigue phenomena are
concerned.

*Thanks to the features mentioned above, the Haibach method may be considered to be very
useful for the assessment of the fatigue behaviour of the dynamic component.

3. FATIGUE TESTS

The main purpose of the research is to assess fatigue 1ife evaluation methods by a com
parison with fatigue test results for typical helicopter dynamic components under a reai-
istic spectrum load. *

As a first component, the tail rotor mast of a A 109A helicopter was selected (Fig.2).
The specimens to be tested have been obtained with the same working schedule as for
the helicopter component. Only certain processings have been left out, as not being rele-

vant to the fatigue behaviour of the critical area.

In order to carry out the research,standard fatigue tests had to be performed on compo
nent material, as well &s constant amplitude fatigue tests and variable amplitude fatigue
tests on components.

3.1. STANDARD TESTS ON COMPONENT MATERIAL

The properties of 9310 steel needed for the application of the local stress-strain
method have been determined according to the recommended ASTM standard procedure,|9]. A
Instron servo-hydraulic testing machine and extensometer have been used.

The cyclic curve o-¢ has been calculated from the standard smooth specimens with the
companion method, by carrying out the stable hysteresis loop cycles (Fig.3a). Fig.3b shows
the cyclic curve o-¢ and its relationship in the usual form; the monotonic o-e¢ curve is
also reported.

The same equipment and the same type of specimens have been uced to obtain the e-N
strain-1ife curve in a strain-controlled fatigue test. No overstrain was applied during
the tests. Fatigue failure has been considered to be the appearance of visible small-size
crack, such as 2 mm large. Fig.4 shows the experimental data together with the e-N rela-
tionship.Because of the breakdown of the test equipment, it was not possible to obtain a
1ot of experimental data such as is needed for a very accurate representation of fatigue
strength.

3.2. FATIGUE TESTS OF THE COMPONENT

3.2.1. LOADING APPARATUS

The component has been loaded in a simplified way compared to its operative conditions
on helicopters. Namely, the component was not rotating and a load was applied at the tip,
as shown in Fig.5.

- YR A
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So the torque toad has been left out, -but its value in operative conditions is negligi
ble as far as the fatigue behaviour of the tail rotor mast is concerned.The system of loading
and restraint conditions is shown in Fig.5. -

A steel bush has been applied to, the component, connected with the first support to
avoid fretting phenomena; such a bush is not applied on the mast of the helicopter.

The loading system is given in Fig.6. The component supports and the actuator were con
nected to a very stiff rig. The supports held the component in a different way from that™
shown in Fig.5, but the difference has been regarded as insignificart.

The load was provided by a 7 KN hydraulic actuator servocontrolled by the output of a
load cell placed at the actuator stem tip.

This equipment was built by Agusta. The actuator was connected to the rig and the com-
ponent by thin blades which allowed us to achieve the loading conditions previously calcu
lated to be necessary (see Fig.5). -

A function generator and a PDP 11/34 process computer -for constant amplitude tests
and for variable amplitude tests, respectively- supplied the input signal to drive the
actuater.

The correct working of the apparatus, namely the loading condition, was checked by spe
cific tests, where stress and strainwere measured on several stations of a dummy compo- —
nent and cn thin blades andwere compared with the expected values.

3.2.2. CONSTANT AMPLITUDE TESTS

Constant amplitude tests with an alternate load (R=-1) have been carried out to deter-
mine the relationship between Tatigue 1ife and nominal stresses. Fatigue 1ife has been
taken to correspond to the appearance of a small crack as in strain controlled smooth spec
imen fatigue tests. Nominal stress has been evaluated in the critical section of the com~
ponent, shown in Fig.5.

The tests in the low and medium cycle range showed the crack started in the critical
section as forecast. As far as tests in the high cycle range are concerned, the components
broke under the steel bush because of a clear phenomenon of fretting., But no crack appear
ed in the critical section which was carefully examined with a 50 magnification glass. SO
the stress values relevant to these tests have been assumed to be an estimate of the fa-
tigue limit for the critical section which was the foca: point for comparison between the
theoretical and experimental data.

In the subsequent tests the defect was elimynated by changing the type of bush, but
other tests in the high cycie range could not be carried out because of the lack of spec-
imens.

The experimental data and S-N relationship are reported in Fig.7.

3.2.3. VARIABLE AMPLITUDE TESTS

3.2.3.1. SPECTRUM LOADING

The load history utilized to carry out the loading spectrum for fatigue tests has been
recorded during flight load survey of A 109A helicopter as the output of a strain-gauge
bridge put on the tail rotor mast.

This load history is & typical sequence in civil transport mission. This is relevant to
a medium range flight of 2400 sec. with a take off weight of 24 KN . The flight comprises
take off and climb with normal manoeuvres, level flight at =1500 m. and manoeuvres, de-
scent, approach and landing. The details of conditions and their length and occurrence
are shown in Tab.II.

The fatigue test spectrum Joad has been calculated from the original load history by
filtering the very iow amplitude load cycles and by scaling up the load history so obtain
ed. The first operation was necessary to avoid tests of prohibitive length: but the maxi-
mum level of load cycles omitted has been defined so that the test loading spectrum also
has load cycles of an amplitude lower than the fatigue limit of the component calculated
from the constant ampljtude tests (see Fig.7). Indeed an important item of the research
is to check the damaging effect of the load cycles at an amplitude below the fatigue lim-
it. Fig.8 shows the cumulative diagram of the amplitude of load cycles (irrespective of
the mean value) obtained by the rain-flow counting method for the original load history
and the filtered load history. '

The levels of the stress amplitudes of the filtered load history are not at all such as
to cause the failure of the component, which has been designed with a'high degree of safe
ty for use on helicopters.

As the aim of the research is the comparison between the experimental fatigue life of
the component and the relevant assessment of the theoretical methods, it was necessary to
duly scale up the time history in order to give rise to component failure. The maximum
level of nominal stress in the scaled up time history has been truncated to Syax= 638 N/
mm?2 to avoid excessively high stress levels which are not realistic. The final distribution
of nominal stress cycle amplitudes (irrespective of the mean value) obtained by the rain-
flow counting method is shown in Fig.9 where the fatigue Timit shown in the constant am-
nlitude tests is also to be found.

3.2.3.2. FATIGUE TESTS UNDER SPECTRUM LOADING :

The time history of the typical flight, established as described above, has been re- :
corded on the memory of a PGP 11/34 process computer as a sequence of peaks and valleys.
The process computer preduced a continuous sinuscidal-type signal hetween the subsequent
values of the peaks and valleys in order to drive the actuator. The frequency of the sig-
nai wasapproximately 7 c.p.s. selected as the maximum value allowed by the pertormance of

»
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the fatigue machine.

Before each test and sometimes during the test, the output of the actuator load cell
has been recorded with the computer and compared with the expected values. Comparison of
the peak, valley, rise and fall values has always shown deviations which are not higher
than 2%. Obviously, mechanical and electric limiters set at the maximum and minimum of the
loading spectrum were applied during the test.

Four components have been tested with the sare spectrum. The results expressed as num-
ber of flights at the appearance of a small visible crack are reported in Tab.III.The crack
occurred in ghe critical section in all the tests.3Surprisingly,the scatter of the result,
i< rather wide,

4. COMPARISON BETWEEN PREDICTED AND EXPERIMENTAL FATIGUE LIFE

T The experimental data and the relevant data from the prediction methods are given in
ab.III.

The nominal stress method has been used with the Goodman correction for the mean stress
effect (Sp=0 for Sp<0) and three different S-N curves have been utilized namely, the F2
curve and the two B curves shown in Fig.7. The F2 curve is the S-K relationship used as a
rule at Agusta und has been obtained as already described in 2.1. The B curve is the best-
fit straight Tine S-70g N of the experimental data relevant to specimens with finite life.

The two different B curves come from either taking the estimated fatigue 1imit into ac
count, or extending the curve of finite life range to $=0.

The Haibach method has also been applied using the above specified S-N curves.

The local stress-strain method has been used with the cyclic o-¢ curve in Fig.3b and
the ¢-N strain amplitude fatigue life in Fig.4, for several values of the stress concen-
tration factor in the critical section. The estimated fatigue life versts the K¢ value is
given in Fig.10. Generally, two values of K¢ are meaningful, namely the geometrical stress
concentration factor -Ki- and the fatigue stress concentration factor -Kf-, which is de-
duced from the ratio between the fatigue strengths of the smooth specimen and the notched
compenent.In this case about the same value is obtained for these two factors. A value of
Kt=1.28 has been deduced in an approximate way vrom published literature relevant to axial
loading. A similar value of K¢ can roughly be determined by comparing the S-N data in
Fig.4 and Fig.7, but an accurate assessment of this parameter is rather questionable be-
cause the value is strongly dependent on the value of N considered in the evaluation,

The vaiue of Kg¢=1.28 has been also used in the Haibach method; other calculations with
different values of K¢ have demonstrated the method to be insensitive to Ky variations
around this value.

Some significant observations can be made,

The nominal stress method and the Haibach method l1e2ad to very unconservative results
when applied with the B curve which takes the fatigue 1imit into account. This result
clearly demonstrates that the amplitudes below the fatigue 1imit are damaging if stress
amplitudes above this value are also present in the spectrum. The curve without fatigue
limit yields also unconservative fatigue life estimations. This is prcbably due to an in
accurate determination of the 3-N curve in the knee zone.In fact, conservative estimates
can be obtained by the use of a S-N curve obtained in the same way as the B cuive, but
considering only the Tour experimental data relevant to specimens with lower fatigue life.
This latter S-N curve seems to be a hetter representation of fatigue strength in the finite
1ife range, but it must be pointed out that this curve is. not so strictly defined as the
B curve, which is the best-fit of all data availables in the finite 1ife range.

The experimental data and prediction fatigue 1jfe results agree quite well if the F2
curve is used, Indeed, as is shown in Fig.7, this curve gives the higher damage for mast
of loiLd cycles the spectium,

Anyway, the strong influence of the basic ingredient, that is the S-N curve of the com
ponent, on the results is remarkable; from this, an accurate definition of the S-N curve
is the most important step in the application of this method.

The results of the nominal stre:s method and the Haibach mzthod, are rather similar.
This was foreseeabie, as the component is low notched and thz spectrum does not contain
very large variations in subsequent peaks (or valleys); therefore, the difference between
nominal mean stress and local mean stress is not very great.

A very conservative estimate of fatigue 1ife is obtained by the local stress-strain
method. In this case, toa, the influence of input data of the method on the final results
is noteworthy, as can be seen from fig.10. A fatigue Tife prediction in agreement with
experimental data and results of the other methods is ohltained by using a slightly dif-
ferent evaluation of K¢, i.e. K¢ = 1.2 moreover, this value can be considered a quite well-
founded estimate of the value n¥ the fatigue stress concentration factor.

5. CONCLUSIONS

Research aimed at a cousiderable improvement of fatigue 1ife assessment of the dynamic
components of helicopters has been carried out. This is a fundamental goal for un effec~
tive design or such structures.

Generally components which are critical from the fatigue point of view are checked: by
carrying out constant ampliiude fatigue tests on a few specimens of the components -by
assessing the fatigue load spectrum in the operative life from flight load survey- by e-
valuating the fatigue life of the component.

The fundamental tools relevant ¢0 the steps of the afores.id procedure, namely fatigue
strength representation from fatigue tests, counting methods to be applied to recorded
load histories, fatigue 1ife prediction methods - have been examined.

It bas been ncted that the methodology employed at Agusta adequately vepresents fatigue
strength in the range of number of cycles of concern in the dynamic components fatigue
loading. The $-N curve obtained takes alloy type, the presence of a notch and ioading mode
into account.

A rather conservative estimate of f.cigue strength in the high-cycle range is given.
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A different approach, namely the use of a 5-N relationship in the finite 1if+ range ex
tended to $=0, has been proposed and employed successfully in other applicaticns for fa-
tigue life assessment, under variable amplitude loading. In the present case, a correct
appilication of the approach is unlikely because of the reduced number of fatigue tests of
the component which is generally possible tc carry out.An open problem is the evaluation
of the reduction factor to be applied to the S-N curve used for fatigue life evaluation
or, alternatively, of the safety factor on the life estimate. A well sound solution of the
complex problem is attainable by analysing the results of the application of differen:
procedures to experimental data relevant to typical dynamic components tested under a
loading spectrum representative of operative conditions.The available data of this type,
in the field of helicopter constructions, is still scarce and a considerable amount of
research in this direction is certainly needed.

As far as counting methods are concerned, and as was alveady well-kncwn, the rain-flow
method proved to be the most effective in the counting of load cycles and fatigue events.

On this subject, the real problem is the significance of the flight load survey, but
this point is farther the aims of this paper.

Several methods have been proposed for fatigue life assessment under variable amplitude
loading. The nominal stress-strain method and the Haibach method seem to be the most suit
able for helicopter construction applications.

The results of these methods have been compared with the fatigue test data of the tai}
rotor mast of the A 109A helicopter, subjected to a realistic spectrum, directly deduced
from flight load survey.

This single result does not allow to draw final conclusions, but some useful iadications
can be obtained.

The first plain indication is the damaging effect of the stresses below the fatigue limi%,
estimated from constant amplitude tests, if stresses above this limit are present in the
load spectrum, as it is typical for helicopter dynamic components. So, very unconservativc
1ife estimates are obtained by using a S-N curve which takes the fatigue limit into account.
On the contrary, there is a statisfying agreement between experimental data and fatigue
life predictions from the nominal stress method and the Haibhach method by using a S-N curve
of vinite 1ife range extended to S=0 or the S-N relationship utilized at Agusta, which gives
a conservative evaluation of fatigue strength in the high-cycle range. A conservative life
estimate is obtained from the local stress-strain method employing che geometric stress
concentration factor. Anyway, the results of the methods were found to be very sensitive to
input data, i.e. S-N curve and stress concentration factor.

Therefore, the maip problem, is not the selection of the most efVective method for fatique
1ife avaluation, even if the Haibach method seems to be the most logical approach, at least

on the basis of the case avagined.

£v it was already peinted out,it seems worthwile to gather further data from fat.gue tests
ander load spectra representative of helicopter operational cenditions of the.components in
volved. Following this line,it is likely to get significant improvements of thz fatigue 1iTe
assessment pirocedures and therefore to obtain more reliable and more effective fatigue design

of helicopter dynamic components.
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LIST OF SIMBOLS

F Humber of flights

K¢ Fatigue stress concentration factor

Kt Geometrical stress concentration factor

N Humber of cycles

R Ratio between minimum and maximum of load cycle
S Nomiasal stress

Sm Hean value of nominal stress ip the load cycle
€ Local strain

€a Amplitude of local strain

Local stress

g
AS Yariation of nominal stress in the load cycle
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i COURTING METHOD LTFE LIFE
; Level crossing 1.498 3228
Peak 1.469 3006
lean crossing peak 2.078 5476
Range restricted peak 1.792 3399
Range 1.584 1871
Range-pair-exceedence 1.380 5587
Range-pair-range 1.298 1858
Rain-flow 1.000 1594 |
i txperimental data - 1533

Tab. I - Comparison between fatigue life predictions with several
counting methods.

CONDITION NUMBER CONDITiON TYPE LENGTH (sec.) NUMBER OF
OCCURRENCE
4 1 Vertical take off 17.07 1
2 Hovering 0GE . 7.48 4
3 Lateral control reversal
(stationary flight) 6.67 1
\ 4 Left-hand rotation 3.87 1
5 Acceleration to climb ajr-
speed (60 KTS) 16.67 1
6 Max continuous power climb at
Vy climb air-speed-twin engines 144.3 47
7 Acceleration from climb air-
speed to 155 KTS 30.27 1
8 Forward level flight at 160 KIS 721.5 235
9 Rudder control reversal at
155 KTS 4.67 1
10 Right turn at 155 KTS 6.14 2
1 Forward level flight at 185 KIS 240, 78
12 Cyclic pull-up at 155 KTS 8.67 1
13 Forward Jevel flight at 160 KTS 1025.4 334
14 Rudder control reversal at 155 KIS 4,67 1
15 Left turn at 155 KTS 4,34 2
16 Deceleration from 155 KIS at
60 KTS 27.47 1
i7 Descent flight 2 engines 500 ft/min 89. 29
18 Apprvaching and norma) landing 2
engines 41.07 1
739916 |
TOTAL FLIGHT LENGTH

Tab. Il - Detail of a typical flight for the tail rotor mast of a A 109A

helicopter.
F/,NUMBER OF FLIGTHS
“w 1550
o EXPERIMENTAL DATA 3?52 MEAN VALUE 207.2
261.9
NOMINAL STRESS METHOD 378.2
(S-h curve used: B curve with fatigue limit)
NOMINAL STRESS METHOD . 26,8
(S-R curve used: B curve without fatigue limit)
?OMlNAL STRESS METHOD 217.2
-N curve used: F2 curve)
OCAL STRESS-STRAIN METHO .0
QcaL ST8 METHOD 148
HAIBACH METHOD 407,7
(S-N curve used: B curve with fatigue limit)
HAIBACH METHOD . 259.9
(S-N curve used: B curve without fatigue limit)
HAIBACH METHOD 245.8
(S-N curve used: F2 curve)

Tab. IIl - Experimental data and fatigue 1ife predictions.
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Fig. 2 - Photo of the component for fatigue tests. The tail rotor mast of the
A 109A helicopter.
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CRITICAL SECTION FOR FATIGUE
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Fig. 5 - Sketer of loading and restraint conditions of the component.
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Fig. 6 - Loading apparatus for fatigue tests of the component.
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Report on Session V
CONSTANT AMPLITUDE VERSUS SPECTRUM FATIGUE LOADING
by

Pietro Alli
C.A.G. Agusta SpA.
Cascina Costa
21017 Samarate (Varese), Italy

The fifth session concerned the. Constant amplitude versus spectrum fatigue loading «.nd the main purpose was an
evaluation of the potential role of variable amplitude fatigue test in the design against helicopter fatigue.

Three papers were presented. The first by Mr J.Dart: Development of Standardised Test Load Histories for
Helicopter Rotors. Basic Considerations and Definition of H. & F, deals with the problem of defining a meaningful
standardized load sequency suitable for testing rotor blades.

Two standardized load sequences have been developed. one, Helix, useful for hinged rotors and the other, Felix,
to be used for semirigid rotors.

These load sequencies have been implemented to drive servohydraulic fatigue machines and were derived by an
intensive flight load survey on existing helicopters,

The standardized load sequencies are, as the author of the paper points out, a tool suitatle for comparison purposes
and not for certifying specific helicopter items,

The second paper was presented by Mr Schiltz on the Developmient of a Standardized Fatigue Test Loading History
Sfor kelicopter Rotors, It deals with the same subject as the previous one and would have presented o test data set to
demonstrate the inherent capability of standardized load sequences in helicopter fatigue design. Test results will be
available next year,

The third paper prescr.ted by myself on Fatigue Behaviour of Helicopter Dynamic Components under Constant
Amplitule and Spectrum Loading deals with the problem of helicopter dynamic component fatigue analysis methodo-
logies:

- Fatigue strength representation
— Counting methods
— Fatigue life estimation methods

were theoretivally analysed and evaluated against the results of an approprate test program both in constant amplitude
and spectrum loading,

From the first results , it seems possible to conclude that a well selected counting method together with a suitable
S-N curve can lead 1o satisfactory life prediction, utilizing moreover the Miner’s rule.

Besides, the Hu.ibach method, which undoubtedly has 2 more rational background, works at least in the same
way once the fatigue limit idea is forgotten,

Anyway the substantiation of all the new ideas need more experimental results and the problem of the reduction
coefficients still remain open.

In conclusion, due to the fact that new approaches proposed in the three papers are powerful of future great
developments, it seems worthwhile to prepare a chapter of the planned handbook with the aim of having a detail
desuription of variable amplitude test techniques, a collection of the existing test results and, at last, a deeper evaluation
of all the fatigue analysis methods on the grounds of such results.
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SESSION VI
ROUND TABLE DISCUSSION
Chairman: J.M.Fehrenbach

Rapporms—ti_évenard
Aerospatiale, Division Hélicoptares
B.P.13, 13722 Marignane
France

Plusieurs thémes ont &té sélectionnés par les participants afin d'orienter la discussion.

Les thémes retenus sont les swivants :

1) PROCEDURES COURANTES

2) CRITERE DE TOLERANCE AUX DOMMaGES

3) VARIABILITE DES CHARGES DE VOL

4) SIMULATION AU LABORATOIRE

5) EXPERTISE

6) SURVEILLANCE DES ENDOMMAGEMENTS (fatigue monitoring)

7) MOTIVATION DES ESSAIS DE CELLULE

8) NOUVELLES CONCEPTIONS DE ROTOR

1) PROCEDURES COURANTES :

Ce premier sujet de discussion visait & faire le point des méthodes de justification utilisées dans le
monde afin de dégager une analyse critique susceptible de garantir une meilleure sécurité des vols.

Une premidre question est posée : quelle est la valeur du risque d'accident considéré comme admissible
par les organismes de certification ?

Pour la CAA la probabilité d'accident ne doit pas dépasser 1077 par heure de vol, ce pour des missions
3 caractére civil,

Cette probabilité peut &tre portde a 107 pour des utilisations plus spScifiques et présentant de par
leur nature des risques d'accident plus importants (lutte contre l'incendie, Mission OFF SHORE, opéra-
tion de sauvetage, etc...)

Ce risque correspond au risque global d'accident toutes causes confondues et non uniquement au risque
de rupture en fatigue. Ceci implique donc que tous les risques &lémentaires soient bien inférieurs
a 10~7 .

Sikorsky fait remarquer qu'il est trds difficile d'identifier toutes les causes susceptibles de provo-
quer un accident et encore plus difficile de chiffrer les valeurs des risques leur correspondant.

La SNIAS est d'accord avec la remarque de Sikorsky tout en faisant observer que le risque revendiqué
par la CAA est un risque par heure de vol 3 n¢ pas confondre avec celui qui est associé aux durées
de vie des pi&ces travaillant en fatigue,

La SNIAS pense qu'en fatigue les coefficients de sécurité doivent &tre importants afin que la probabi-
1ité de rupture demeure extrémement faible.

Une exploitation statistique effectuée par la SNXAS d'essais de lot de pales montre que pour garantir
une probabilité de rupture inférieure 3 10~% {i convient d'utiliser un coefficient de sécurité d'envi-
ron 1,7 sur les contraintes.

Ce risque de 10-1“ s'il correspond d une durée de vie de 1000 heures se traduit donc par un risque de
10-7 par heure de vol,

Ce coefficient de sécurité peut conduire 3 des écarts trés significatifs sur les durées de vie calculées
Le meilleur exemple en est l'exercice proposé par 1'Américan Helicopter Society et qui conduit & des
durées allant de 10 h 3 20 000 h selon le cozfficient de sécurité utilisé.

Cet exercice présente cependant par sa nature de nombreuses causes susceptibles de créer des &écarts.
En particulier la pidce analysée est en acier 43hJ travaillant sans fretting. La forme de courbe S/N
de ce matériau est trds plate et engendre de ce fait des écarts en nombre de cycles trés importants
(1 3 100) pour de faibles écarts de contraintes.
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Les ruptures rencontrées en utilisation ont généralement pour origine des dégradations qui n'avaient
pas été prisesen compte lors de l'homologation initiale (corrosion, usures, etc....)

Le seul remdde selon M. De Jong serait de justifier toutes les pidces suivant le concept "tolérance
aux hommages" concept qui n'est pas 3 ce jour considéré comme obligatoire.

Les raisons sont les suivantes : tout d'abord il n'est pas toujours possible d'obtenir ce concept
certaines pidces ne s'y prétant pas, ensuite le prix &levé des essais nécessaires 3 sa démonstration.
Les programmes de justification classique qui portent dé3j3 sur 6 essais par pidces vitales sont

dé33 aux limites du supportable par les comstructeurs.

L'important selon Sikorsky est d'effectuer un minimum de 6 essais de fatigue et de tout mettre en oeuvre
pour garantir une constance de la qualité de fabrication. Sikorsky recommande aussi une surveillance
sérieuse du matériel en utilisation, surveillance pouvant conduire d une reprise des essais de fatigue
sur des pi&ces présentant des dégradations survenues en service.

CRITERE DE TOLERANCE AU DOMMAGE :

L'Aérospatiale soulédvent les questions suivantes :

Quels sont les coefficients de sécurité utilisés par les constructeurs américains sur les temps de
propagation des détériorations ?

En cas de découverte en utilisation d'un probléme non prévu initialement quel est le coefficient
de réduction de vie appliqué A L'ensemble de la flotte par rapport au temps de vol effectué par
1'é1ément ayant fait l'objet de l'incident ?

Les constructeurs présents ne répondent pas aux deux questions posées par l'Aérospatiale.

VARIABILITE DES CHARGES DE VOL :

Quelles sont les précautions d prendre pour s'assurcr que les mesures d'efforts en vol couvrent bien
du point de vue sécurité tout le domaine d'utilisation revendiqué pour les machines ?

En particulier comment tient-on compte de la dispersion qui affecte les efforts des maneouvres effec-
tuées au ras du sol ?

Une fagon de se prémunir contre ce genre de probléme consiste 3 multiplier le nombre d'enregistrement
et A les exploiter statistiquement. Ceci implique évidemment un surcroit d'activité pour les pilotes
mais présente l'avantage d'augmenter 1 a probabilité d'appréhender des manoeuvres mal coordonnées
susceptibles de majorer les endommagements en fatigue.

Ces phénoménes sont 3 1'étude aux Etats Unis basés sur l'acquisition de données avec traitement
statistique des charges statiques et dynamiques.

Cuotte analyse est compliquée par le fait que les charges pemvent &évoluer en fonction du vieillissement

des machines. Quelques exemples classiques gont rappelés tel 1l'influence de l'érosion des pales
faisant varier les limites de décrochage et de ce fait le spectre des charges.

SIMULATION AU LABORATOIRE :

Au cours de la discussion i) est rappelé tous les risques de résultats d'essai faussés en raison des
difficultés de simulation des charges de vol.

Par exemple une pale comporte de multiples types de mise en charge qu'il est difficile de reproduire
de fagon rigoureuse (Force centrifuge, Moment de Battement, Moment de Trainde, Moment de torsion,etc...)

Si la simulation n'est pas correcte le mode de rupture peut &tre changé ainsi que les zones critiques
le spectre de charge a aussi dans ce domaine une importance non négligeable.

I est souligné 1'intérdt de faire les essais de structure en atmosphdre ouverte, ce qui présente
1'avantage de simuler au moins partiellement les effets de condensation fretting et corrosion.
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EXPERTISE :

Les inspections des piéces en essais devront &tre si possible réalisées avec’les mémes moyens et

dans les mémes conditions que ceux dont disposera l'utilisateur afin de guider la rédaction du
manuel deymaintenance.

Les pidces essayées devront &tre expertisées avec le plus grand soin car elles sont riches en ensei-
gnement sur l'avenir des pifces en utilisation. Par la suite 1l'expertise des pidces en service lors
des révisions devraient permettre de vérifier si les dégradations constatées sont garanties par les
essais de fatigue effectués.

FATIGUE MONITORING :

La surveillance de 1'endommagement en fatigue est difficile en raison de la diversité des puramétres

Certains procédés sont d 1'étude notamment par comptabilisation des endommagements 3 l'aide de
capteurs optiques. Ces méthodes présentent certaines limites dont la principale dépend de la struc-
ture elle-meme, en raison de l'inaccessibilité des zones critiques.

Ces capteurs modernes présentent cependant un intérét certain ne serait-ce que pour surveiller des
variations anormales du comportement de ia structure.

La deuxidme approche consiste A yelever directement et en continu les efforts de vol. Cette méthode

est trds difficile 3 réaliser en service (diversité des efforts, difficulté d'enregistrer ceux-ci sur
éléments rotatifs,etc....)

L'application de cette méthode est donc difficile en série. Il est fait état de quelques exemples :
Indicateur de guide de croisiére sur CH 47 (Bétamétre du Super Frelon permettant la surveillance des
efforts de commande).

Finalement la méthode la plus rationnelle consiste a calculer l'endommagement de maniére indirecte &
partir du spectre d'utilisation des appareils, ce spectre étant déterminé 3 l'aide d'enregistrement

en continu portant sur certains paramétres de vol en utilisatvion (vitesse, facteur de charge, positions
des commandes, ete....)

ETUDES DES CAUSES D'ACCIDENT :

Depuis 10 ans 6000 accidents d'hélicoptére ont été constatés dont un quart pour des causes inconnues.
Afin de diminuer ce pourcentage d'accidents inespliqués, un enregistreur de crash est 3 1'étude aux US.

Cet enregistreur sera capable de relever durant au moins 30 minutes de vol certains paramétres de vol
esscatiels pour expliquer l'accident et par la suite &viter qu'il puisse se reproduire.

MOTIVATION DES ESSAIS DE CELLULE :

Ces essais permettent en avance de phase de détecter les points critiques de la cellule, de valider
des périodicités d'inspection en fonction des vitesses de propagation constatles en essai et par la
suite de justifier des solutions de réparation.

L'inconvénient majeur de cet essai est son prix de revient.
En France, la premidre tentative a été réalisée au titre d'un programme de Recherche afin de vérifier
la validité d'une telle expérimentation. Ce genre d'essai sera vraisemblablement développé d la demande

des Services Officiels dans la mesure ol le coiit demeurera raisonnable, Un moyen de vendre cet essai
moins onéreux peut consister 3 le morceler afin de sélectionner les zones prioritaires 3 tester.

ROTORS DESIGN :

L'utilisation des matériaux composites dans la fabrication des rotors présente de nombreux centres
d'intérEt qui portent entre autres sur :

- Meilleurs ajustement des fréquences propres des piéces permettant de minimiser les phénoménes de
fatigue, afind‘éviter d'avoir a les combattre

~ Comportement fail safe évident (délaminage généralement facile 3 détecter et vitesse de propagation
des délaminages lente.

- Technologie permettant une réduction du nombre de pidce (suppression des pidces servant 3 la lubri~
fication) d'ol gain sur la masse.

Fiabilité améliorée et maintenance simplifiée

Colit de fabrication diminué.
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SESSION VI

ROUND TABLE DISCUSSION
Chairman: J.M.Fehrenbach

Rapporteur: G.Stiévenard
Aerospatiale, Division Hélicoptéres
B.P.13, 13722 Marignane
France

Several themes were selected by the participants in order to guide the discussion. The following themes !
t wers retained:

N | 1. CURRENT PROCEDURES
2, DAMAGE TOLERANCE CRITERIA '
3. VARIABILITY OF FLIGHT LOADS

4, LABORATORY SIMULATION

S. EXAMINATION

6. FATIGUE MONITORING

7. MOTIVATION FOR STRUCTURAL TESTS

8. NEW ROTOR CONCEPTS

1. CURRENT PROCEDURES

The aim of the first subiact of discussion was to survey the substantiation methods in world-wids use in
order to define a critical analysis method likely to guarantee meximum flight safety,

il The first question which arose was: what is the Jevel of accident risk considered acceptable by certifi-
cation authorities? For the CAA, the probability of accident .should not exceed 10-7 per flight hour,

L that is for missions of a civil character. This probability can bé increased to 10-6 for more specific
v utilizations which, by their nature, incur a greater risk of accident (fire-fighting, off-shore missions,
- rescue opsrations, etc.). This level of risk corresponds to the overall risk of accident Irom all causes
and not solely to the risk of fatigue failure. This implies, therefore, that all the basic risks should
be well below 10-7. Sikorsky ramarked that it is very difficult to identify all the souxces likely to
induce an accident and more difficult still to quantify the coriesponding risk.

SNIAS agreed with Sikorsky's comment while pointing out that the risk specifiad by the CAA is a risk per
flight hour, not to be confused with that which is associated with the service life of parts subjected to
s (O fatigue, SNIAS thought that under fatigue conditions, safsty factors should be high so that the

.y probability of failure remains extremsly low.

» A statistical investigation cazried out by SNIAS on blade tests showed that, in order to guarantse a
failure probability of less than 10-4, it is advisable to use a safety factor of about 1.7 on_the stresses.
1f this 10~4 risk corresponds to a 1ife of 1000 hours, it becomes equivalent tv a risk of 10-7 per flight
hour, This safety factor can lead to some very significant variations in predicted sexvice life, The
best example is in the exercise prasented by the Amorican Helicopter Society which resulted in lives
varying from 10 h. to 20 000 h. according to the safety factor used. Howsver, by its very nacture, this
exercise presentzd numerous sources liable to create discrépancies, In particular, the part analyzed was
of 4340 steel, not subjected to froiting., The shape of the S/N curve for this material is very flat and,
consequently, results in very large variations in the number of cycles (1:100) for small differences in
stress.

Failures met with in service generally originate from forms of degradation which had not been taken into
account at the time of initial certification (corrosion, wear, etc.). The only remedy, according to

Ir de Jonge, would be to substantiate all parts in accordance with ths '""dumage tolerance" coacept, which
is not at the moment considered to be mandatory, The reasons are the following: firstly, it is not

always possible to app’, this concept, as certain parts do not lend themselves to it, and because of the
high cost of the tests necessary for its demonstration. The conventional substantiation proyrammes, which
already require six tests on cach vital part, are already at the limit acceptable to the manufacturers. . B
“he important point, according to Sikorsky, 1s to carry out a minimum of six fatigue tests and to use
every possible means to ensure consistent nanufacturing quality, Sikorsky also recommended close
monitoring of the material in service, such monitoring making possible a repeat of the fatigue tests on
parts which show degradation occurring in service.

—y

2. DAMAGE TOLERANCE CRITERIA
Adrospatiale raised the following questions:

What are the safety factors on damage propagatinn rates used by American manufacturers? In the event of
the discovery in service of an initially unforeseon problem, what is the safety factor on life reduction
applied to the whols fleet as a function of the flight time achieved by the component responsible for the
incident?
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The manufacturers present did not reply to the two questions raised by Aerospatiale.

3. VARIABILITY OF FLIGHT LOADS

What precautions should be taken in order to ensure that the measurements of flight lcads fully cover,
from the safety aspect, the whole service envelope specified for the aircraft? In particular, how is the
spread in manoeuvre loads close to the ground taken into account?

One way of providing r=ainst this type of problem is to multiply the number of recordings .taken and to use
them statistically. This obviously implies additional activi.y for the pilots but offers the advantage of
raising the probability of detecting badly coordinated manov.vres likely to increase:fatigue damage. These
phenomena are being investigated in the United States, based ou data acquisition with statistical treatment
of the static and dynamic loads. This analysis is compiicated hy the fact that the loads can evolve as a
function of the life of the aircraft. Some classical examples were mentioned, such as the effect of blade
erosion on the stall limits and, consequently, on the load spectrum.

4, LABORATORY SIMULATION

During the discussion, the risks of obtaining distorted test results, due to difficulties in the simulation
of flight loads, were reviewed. For example, a blade sustains multiple types of loading which it is
difficult to reproduce accurately (Centrifugal force, flappiay moment, drag moment, torsional-moment, etc.).
If the simulation is not correct, the failure mode can be mcdified as well as the critical areas, The load
spectrum is also not unimportant in this context., The valus of making structural tests in the open air,
which offers the advantage of, at least partially, simulating the effects of condensation, fretting and
corrosion, was emphasized.

3. EXAMINATION

Inspection of parts under test must, if possible, be made by the same means and under the sams conditions
as those which the user will have avaliable, so as to guide the preparation of the maintenance manual, The
parts tested must be examined with the greatest care since they will provide considerable information on
tho future service life of the parts. Subsequently, examination of parts in service &t the time of
inspection should enable it to be determined whether the observed degradation is covered by the fatigue
tests made.

6. FATIGUE MONITORING

Monitoring of fatigue damage is difficult owing to the diversity of parameters, Cortain procedures are
being investigated, in particular by kseping account of damage by means of optical sensors. Such methods
have their limitations, the main one depending on the structure itself dus to the inaccessibility of
critical areas. However, these modern sensors are of unquestionable value, be it only to monitor abnormal
variations in structural behaviour,

The second approach consists of recording flight stresses directly and continuously, This aethod 13 very
difficult to apply in service (varisty of stresses, difficulties in recording these stresses on rotating
components, etc.) It is therefore difficult to apply this method in production. A few oxamplss were
mentioned: cruise guide indicator on the CH-47 (Bstamdtre of the Super Frelon, which makes it possible to
monitor control forces).

7. ACCIDENT INVESTIGATION

In the last ten years thers have been 6000 helicopter accidents of which a quarter were due to unkniwn
causes. In order to reduce this fraction of unaccountable accidents, a crash recorder is being developed
in the United States. This recorder will be capable of recording, for at least 30 minutes of flight,
certain flight parameters which are necessary to account for the accident and, subsequently, to avoid its
re-occurrence.

8. MOTIVATIONS FOR STRUCTURAL TESTS

These tests provide the means of detecting critical points in the structure, of validating inspection
perjods as a functior of propagation rates observed in tests and, eventually, of substuntiating repair
schemss, The main drawback of this test is its cost,

In France, the first attempt was made within the framework of a research programme in order to check the
validity of such experiments. Tnls type of test will probably be developed at tho request of the officiel
authorities as long as the cost remains reasonable., A means of making this test less costly may consist
of dividing it up in order to selsct priority areas to be tested.
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: 9. ROTOR DESIGN

regard to the following points:

- Better adjustment of the natural frequencies of components in oxder to minimize. fatiguo phenomsna and
to avoid having to combat them.

- Obvious fail-safe bshaviour (delamination usually easily detactible and low delamination propagation
rate),

- Technology allowing a reduction in.the number of parts (olimination of parts used for lubrication),

J & z The use of composite materials in rotor manufacturse offers a great-deal of interest, espacislly with
’ ¢
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: . hence reduction in mass.

A - Improved veliability and simplifisd maintenance.

- Reduced manufacturing cost.
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