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1.0 INTRODUCTION

The use of solar energy to heat propellant for application to earth
orbital/planetary propulsion systems is of interest because of its unique
performance capabilities. A representative solar heated hydrogen rocket
ptopulsion system is capable of generating thrust measured in pounds and
specific impulses ranging between 870 and 1040 seconds. The achilevable
specific impulse values are approximataly double those delivered by a
chemical rocket system and the thrust is at least an order of magnitude
greater than that produced by a mercury bombardment ion propulsion thruster.
The primary advantage the solar heater thruster has over a mercury ion
bombardment system is that its significantly higher thrust permits a marked
reduction in mission trip time. The low earth orbit (LEO) to geosymchronous
equatorial orbit (GEO) maneuver provides a representative example of the
transit times. The solar rocket can conduct the maneuver in approximately
14 days whereas the ion system requires on the order of 180 days. 1In
comparison, a conventional chemical rocket system, the Centaur, for example,
can perform the same micsions in a few hours. There are, however, significant
differences in pavload capability between the propulsion concepts described
above. The solar rocket offers the mission planner a viable alternative

hetween the high pavload-long trip tims of an ion propulaion device and the

1olal lusley L payluad-dliait tvlp Llwd wl thie thaiblual osatowm.

The concept of using solar energy to heat propellants for use in an earth
orbital/planetary vrocket propulsion svstam 1s not new. In 1962, for example,
the Alr Force Rocket Propulsion Laberatorv (AFRPL) sponsored an analytical
and experimental progwam to demonstrate the feasibility of the solar heated
rocket engine. In a test program conducted at the AFRPL, a specific impulse
of 680 seconds wac acileved. The thrusier utilized hvdrogen as the propellant.
Although the initial results wera encouraging, the program was not pursued.

The performance capabilities of the launch vehicles available in the early
60's were such that the full porvential of the solar rocket could not be

realized. The dnvelopment of the Space Trangportation System (ST§), howaver,

11
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offers ths opportunity to utilize the full performance potential of the solar
rocket. In addition, the use of hydrogen as an orbit transfer vehicla
propellant 1s ncw a well understeuod technology aud would require little, if
any, additional davelopment for use in a solat rocket system. The development
of inflatable, high pe:formance concentra%ors, a key element in the solar
rocket systam, hgs also showm significant progress since the completion of
the earlier AFRPL program. An additional factor to be considered is that as
the 1980-1990 time period approaches, a far greater number and variety of
mission requirements may be identified than was possible in the early 60's.
These factors all contributed to the decision to reexamine the potential of
the solar thermal rocket. As a result, the AFRPL sponsored the Solar Rocket
Systems Concept Analysis Study described herain.

The following sections of this report will discuss concentrator and
thruster/absorber da2aign and performance. The Rocketdyne Division of Rockwell
International was responsible for the work conducted on the absorber/thruster
gystem. The key factors in the area of orbital mechanisms and spacecraft
design aramaters, as they relate to integration into thke Shuttls Orbiter,
will L discussad. Parametvic and point design performance analyses were
conducted and are discussed in detail in the appropriate sections of the

report. Reccmmendations and suggestions for future work are also oresentad.

12
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" 2.0 SUMMARY

GUIDELINES

The objectives of the Solar Rocket System Concept Analysis study were
to provide an assessment of the value of solar rhermal propulsion relative to
more conventional propulsion concepts and to develop an understanding of the
factors which bear on its technical feasibility,

The Space Transportation System (STS) was selected as che launch vehicle
for the solar thermal rocket powered spacecraft. STS performance capabilitv
from both KSC and VAFB was established. The major portion of the trade studies
conducted were based on KSC launch pertormance. The STS 653,000 lb KSU payload
capability has been reduced 3000 lbs to allow for the cradle required to install
the vehicle and payload in the cargo bay. Similarly, the usable cargo bay
langth has been reduced to 56 ft, The reduction is due to a requirement that
Shuttle crew members be able to enter the cargo bay through the airlock., In
order to obtain an insight ia%o both spacecraft densities and length of potential
payload: . data were obtained oa rapresentative SAMSO spacecraft. The P80-~1,
GPS, DSCS I1T, DSP and FLTSATCOM spacecraft were included in the analysis, The
FLTSATCOM wag used in preparing configuratioa layouts and checking cargoe bay
capability, It should not be construed, however, that the FLTSATCOM was select-
ed as the baseline paylvad for the sovlar rocket; it was used only on a represen-
tative example. Additional discussion of this material may be found in Section

7.0, Spaceciaft Design,
CCOLLECTOR CONCEPT AND PERFORMANCE

The primury requirements of a solaxr cellectcr for a solar rocket system
are deployability, low specific mass, and high concentration ratio, The latter
13 necessary to achieve high temperaturs and specific impulse of the heated
propeilant, 0f the various candidates considered, ouly an inflated, non-rigid-
ized concentrator design meets Chese requirements. Experience gained from
fabricacion and testing of a 44.35 ft. diamataer paraboloidal collector of this
design in 1964 under Project ASTEC {Reference 1) supports the feasibilicy
of such an approach. An off-axis version vas selected to avoid iupingemant

and heating from theé engine exhaust plume., Analysis iadicates that

13
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fiuid temperatures of over 7000°R are achievable with this design. This discus-
sionis based on a concentrator surface error standard deviation of 1/8° and a
peak concentration ratio of 14,328:1, Additional information is presented in

Section 4,0 - Collector Concept and Performance.
THRUSTER/ABSORBER PERFORMANCE

The theoretical propellant perfoimance potential was evaluated for six
fropellant candidates. These propellants included hydrogen (Hz), methane (CHA),
ammenia (NH3), hydrazine (NZHA) hydrogen/hydrazine (HZ/NZHA) mixture, and
hydrogen/carbon (HZIC) mixture. Hydrogen resulted in the highest theoretical
vacuum gpecific impulse (77-percent higher than the next highest propellant)
and therefore was selected as the primary propellant.

As presented in Table 1, the delivered vacuum gpecific impulse of two
absorber/thruster concepts were evaluated to assess their potential. The two
concepts included: (1) the heat exchanger cavity absorber/thruster, and (2)
the particula!: absorber/thruster. For the heat exchanger cavity absorber/
th .ster, the propellant temperature was limited to a maximum of 5000°R due to
wall material limitations. As shown in Table 1, this concept using hydrogen and
a 100-to-\ area ratio nozzle achieved a delivered vacuum specific impulse of
872 lbf aec/lbm for a one thruster-two absorber configuration and 861 Ibf sec/lbm
for a two thruster-two absorber configuration. Using ammonia at 5000°R, the heat
exchanger cavity absoxber/thrugter resulted in a delivered specific impulse of
940 1be sec/1b,_.

The delivered vacurm spec’fic impulse for the particulate absorber/thruster
with a 7000°R propelle t (hydrogen/carbon) ‘temperature and a 100-to-l area ratio
nozzle wus 1041 1b, sec/lbm (Tfab": 1) for a one thruster-tue absorbheiv configura-
tion. Higher gzas temperatures are possible (i.e., higher srecifi: impulses)
with the particulate absorber/thruster than with the heat exchanger cavity
absorber/thruster since the propellant is hea.ed direct'y by solar radiation as
well as through the useo of a hrat exchanger. A “etailed discussion of the

above material is presentsd in Section 5.0, Thruster/Absorber Perforrance.
SFACECRAST PERFORMANCE

Based on the engine performance data presented above, a series of parawmetric

spececrafy performance charts were prena.ed. The purpose of this analysis was

14
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to select the most promising comcepts which would be examined in more detail
later in the study, Parametric performance estimates were also prepared for
LOZ-LBZ’ NZOA-HMH and mercury ion bombardment systems. This material was used
in performance comparisons with the solar rocket, Sowe representative per—
formance data is presented in Table 2.

-

Table 2. Solar and Chemical Rocket Performance Compecrisons

Parameter Solar #1 Loz-LH2 NZOA-MMH. Ion Solar #2
av, ft/sec 19,200 14,000 14,000 19,200 15,750
Trip Time 14 days 5 hrs 5 hrs 180 days 40 days
Isp, sec 872 475 320 2940 872
Mass Fraction| 0.85 0.90 0.92 0.68 0.85
Payload, lbs | 20,500 20,400 11,000 44,000 29,000

NOTE: Solar rocket performance is based on the use of a 40 x
14.5 ft. hydrogen tank; all other dsta is based on a
62,000 1b Shuttle separation weight, Mass fraction is
defined as the ratio of the weight of usable propellant
to the sum of the weight of prapellant loaded, tankage

and all spacecraft hardware except the pavload.

It should be observed that the solar #1 and L2, ~LH, performance is essen-
tially the same. Increasing the trip time to 40 days, however, vesults in a
significant increase in the performance of the solar rocket. Because the
solar rocket is heavily trip time dependent, the more detailed performance
analysis (Section 8.0) is presented as a function of trip time. Payload data
for the "exact" case is presented in Figure l. By "exact", it is meant that
insulation, collector, spacecraft components, etc. are computed for each case
rather than assume a masa fraction as was done in Table 1. For that reasom,
the information in Table 1 and Figure 1 way not be in exact agreement.
Additioral details on the parametric snalysis may be found ia Section 3.0,
Performance Boundariess the detailed performance analysis is preseated in

Section 8.0, Vehicle Synthesis and Racoamendations.

16
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CONCLUSIONS

It was concluded that the solar rocket offers the mission planner a via-
ble option between the high payload-long trip time of the mercury in bombard-
ment system and the lower payload-short trip time of a 1.02-11.!{2 stage. The
study alac shows that the 5000°R hydrogen thruster system and associated collec-

tor are within the state-of-the-art, and recommends the fabrication of test
hardware.

16
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3.0 STUDY GUIDELINES

The guidelines, assumptions, and performance boundaries used in the study
ave described in this section of the report. A brief, parametric analysis is
also included to establish attainable performance boundaries. This was done
to identify the most promising options to be analyzed in detail in Section
8.0, Vehicle Synthesis and Performance. In accordance with the contractual
Statement—-of-Work (SOW), the LEC-GEO maneuver is the baseline mission. Both
one way and the spacecraft-only return to the Shuttle mission modes were used.
Other mission studies are presented in Section 6.0, Orbital Mechanica. Para-
metric comparisons of the solar rocket with LOZ-LHZ’ NZOA-MHM and mercury ion

bombardment propulsion systems are also presented in this section of the report.

SHUTTLE CAPABILITY

The decision to use the Shuttle as a solar rocket spacecraft launch
vehicle allowed some design criteria to be established. The Shuttle perform-
ance capability for both the KSC and VAFB launch sites is presented in Figures
2 and 3, respectively. For the analysis conducted herein, the Shuttle KSC
payload weight was assumed to be 65,000 lbs, These values reflect a 28.5
degree launch inclination and payload separation aljtitude of 150 n.mi. The
corresponding data for VAFB shows a payload capability of 39,000 lbs with a

wpn s . - . . . .
9 inclination nd a 158 n . mi, pavload separarion altitude. A sradle woight

Gl 1,0 fha wde wusiomnd Fud ldlidbhive Pt bubdh albaa. Duovnd un sbide wvniwy
Cten, el on~orbit launch weight of 62,000 lbs was used For KSC [lights and
36,000 Lbs for VAFB launches. It sheuld be observed, however, that for the
{SC launch case, that the Shuttle can carry 65,000 lbs to 220 n.mi, The
difference ln the delta V required to raise the orbit from 150 or 220 n.umi.
z0 gegsynchronous equatorial orbit is insignificant. The drag, snd attendant
AV losses on a large spacecraft, such as the solar rocket system, varies
significantly between 150 and 220 n.mi. It will be shown in Section &,
Orbital Mechanics, that‘:here is an order of magnitude reduction in vehicle
arag between 150 and 220 n.mi. For that reason, the higher altitude has been

used in the study,

19
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The required delta V for a mission to geosynchronous equatorial altitude
4 is shown in Figure & as a function of thrust to weight ratio and trip time.

? (Additional discussion on this‘figure is presented in Section 6.0)., Assuming
? a 62,000 1lb Shuttle separation weight and a solar rocket thrust of 10 1lbs,

? the resulting T/W is 1.6 x 10'4. This value indicates the required delta V

g » ¥ is 19,200 ft/sec. It may also be seen that increasing the thrust to 40 lbs

.,; does not change the value of the required delta V, Payload weight for a range

of delta V's is presented in Figure 5 for specific impulse values ranging

vetween 500 and 1100 seconds. A stage mass fraction of 0,80 was used to pre-
pare this curve, More precise mass fractions were computed and are discussed
in Section 8.0, Vehicle Synthesis and Performance. To show the effect of im-

proved mass fraction, 3 case for Isp = 1100 seconds and vy ® 0.90 was computed.

] LEQ-TO.GEO ORBIT TRANSFER PROPULSION

{ONE WAY)
: 22000
700 100 60 '
20,000 = 20
1.0 TRAVEL TIME (DAYS)
g 05 ~
> 18,000 p— .
q
15,000 [— ETR LAUNCH
28.59 PLANE CHANGE
3 14,000 | l
3 g 104 103 10 10! 0o
» THRUST-TOWEIGHT RATIO

Figure 4. Delta-V Requirements Versus Thrust to Weight

Juvarel bey Centine dululive Lo suled Lchol put fuiwdiee eie baddcatod
on the curve, [t should be observed, for example, that increasing delca V
from 14,000 to 19,200 fr/sec reduces the payload 9,000 lbs for an assumed Isp
of 900 seconds. This is a significant reduction and suggests a strong effort

should be made to rveduce the delta V requirements by a means of flying diffor~

ent trajectories, The curve also indicated that a spacecrafr with a 19,200
ft delta V requirczant would require a 300 second increase in specific impulse

to obtain the same performance a3 a vehicle operating with a 14,000 ft/sec
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delta V requirement. The figure also indicates the payload gain resulting from
increasing the mass fraction from 0.80 to 0.90 for the 62,000 lb vehicle under
congideration, Increasing the‘maaa fraction by this amount represeants a signi-
ficant achievement; it requires the reduction of the inert weight of the
spacecraft with an 0.8” mass fraction by 40%.

The nominal dimensions of Shuttle cargo bay are 15 fr diameter and 60 ft
long. The Lﬂz propellant wil) require the use of multilayer insulation systems
and an allowance for cradle thickness must be made. Tankage inside diameters
of 13.5, 14.0, and 14.5 £t have been assumed. In Section 8.0 of this report,
insulation thickness as a function of mission duration has been computed. The
purpose of agsuming a range of tank diameters is to show the effect of diameter
on tank volume, This relationship is presented in Figure 6. It has also been
assumed that the ugable length of the cargo bay is 56 ft. The reduction from
the nominal value of 60 £t is due to a crew access requirement. This factor
is discussed in detail in Section 7.0, Spacecraft Design. The tankage geometry
assumed V2 elliptical heads. Elliptical heads were shown because such a
tank will, for the same required volume and diameter, always be shorter than
a tank with hemispherical heads.

Becavae of the low density of liquid hydrogen (4.4 lbs/cu. £t.) concern
wae exprassed that the tenk voluma vaquired to hold the quantity of propellant
consistent with a 62,000 ibs separation weight may exceed the volume of the
carge bay. Using the material presented in Figure 6 and assuming a 5% ullage
fraction, an analysis was conducted to deterwine the length of the hydrogen

tank required as a function of diameter for the 62,000 lbs separation case.

This information is presented in Figure 7. The figure indicates that no space is

available for the solar rocket vehicle or payload for the case assuced. Be-
cause of che desiradble cost factors associated with a gisgle Shurtle launch,

a brief study wvas conducted to detesmine the maxioun payload that could be
carried into geosynchronous eqQuatorial ordit with & single Shuttle launch.
Reference vas made to a program SSD conducced for SAMSO in 1971, Ocbit-to-

Orbit Shuttle Feasibility Study. SANSO has specified certain payload conditions
which restricted the length of the propulsion system to approximately 40 fe.
Using this guideline, the infermation presented in Figure 5 was generated.

The figure Indicates the taunk length for the 62,000 1b cuse fur a specific

impulse of 872 seconds. Supericposed on the same {igure is the corresponding
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performance for a 40 ft. length tank.

The AFRPL indicated that additional propellants were to be studied,
Details of the other propellants analyzed are discussed in Section 5.0, Thruste
Absorber Performance. Ammonia is one of the propellants discussed in that
section and the corresponding performance is also showa in Figure 8. Note that
the overall tank length of the ammonia tank is very short., The resulting pay-
load performance however, is at best marginal and ammonia did not receive addi-
tional cocsideration as a propellant,

In order to make it possible to determine the effect of specific impulse
and mass fraction on solar rocket performance, several carpet plots were
prepared. Thée solusr vocket information is presented in Figure 9 and is based
on a hydrogen tank 40 ft, long and 14.5 ft, in diameter. As indicated on the
figure, the iaformation presented is for a one way trip, LEQ to GEO.

CHEMICAL STAGE ANALYSIS

A brief study was conducted to provide a basis for a comparison between
the solar rocket and a representative chemical system. The data utilized was
the Centaur, SAMSO Orbit=-to=Orbit Shuttle and the NASA Future Earth-to=Geo-
synchronous Orbit Transportation System Study, References 2, 3 and 4, respec-
tiveiy. A carpet plot, Figure '10 was prepared to show the effect of specific
impulse and mass fraction on the payload capability of Shuttle launched cryo-
genic systems. The Centaur data was obtained from References 5 and 6 and tele-
phogé'conversations with persomnel of the Convair Centaur project office.
Convair is currently under NASA contract to conduct a comprehensive study
retating to the installation of the Centaur in the Shuttle cargo bay. Convair
reported the Shuttle/Centaur combination can place a payload of 12,200 lbs
inteo geosynchronous equatorial orbit. Note the Figure 10 has been prepared
using a 62,000 1b Shuttle separvation weight, For the AV and Isp values selecte
approximately 37,000 lbs of propellant ave required., The Centaur propellant
capacity, however, is approximately 30,000 lbs. Entering the figure at vy
0.35 and Isp = 444 secends, the indicated payload is 16,500 lbs. This value
exceeds the 12,220 1lbs indicated for the Centaur because the data in the figure
is based on a larger propellsant capacity. The intent is to show the payload
potentially attainable with Centaur technology in addition to the estimated
capsbility of the curreat Centaur vehicle,

The effect of improved technology may be seen by the 005 and BAC examples.

Due to mission peculiar requirements, the weight of both the 00$ and BAC
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vehicles exceeds the capability of a single Shuttle launch., The mass fractions
and Isp values used in these studies were applied to the 62,000 1b Shuttle
separation weight case and pailoads indicated 1in Yigure 1) were couputed.

As previously indicated, the carpet plots presented in this section of the
report are for the "up only" case. "Up and down" cases are discussed in
Section 8.0, Vehicle Synthesis and Performance. A brief check of the Centaur
round trip capability was made. It ¢1s found that, despite the ability to place
12,200 1bs in GEO, the stage has no round trip capability.

A carpet plot for the N204~MMH propellant combination is presented in
Figure 11. (Note the payload scale change relative to Figure 10). A compari-
son of the data in Figures 10 and 1l indicates the performance of the solar rocket
is significantly superior to the Nzoa-HMH system.
ELECTRIC PROPULSION SYSTEMS

The performance of a mercury bombardment ion propulsion system is presented
in this section of the weport. The studies conducted in anticipation of the
MSFC Solar Electric Propulsion System (SEPS) activities provided the background
for the ion propellant spacecraft baseline. The spacecraft was sized to agcommo-
date a 60 kw solar array and assumed the use of ten 30 cm mercury thrusters.
The total dry weight of the spacecrafr was estimated to be 3900 lbs. The weight
includes allowances for the solar array, power distribution/storage, astronics,
structure/thermal control, propulsion (thrusters, power conditioning, etc.) plus
a growth allowance, As an indication of the weight of the propellant and tankage,
consider the "up only" czse for a 62,000 lb Shuttle separation weight and Isp =
3000 seconds. Analysis indicates the weight of the mercury and positive expul-
sion tankage is 13,500 1lbs., bringing the total weight of the spacecraft to 17,400
Ibs with a corresponding payload of 44,600 lbg., When the analysis is expanded
to include the up and down case, the weight of the spacecraft incresses to
19,000 1bs with a corrvesponding payload of 43,000 ibs. Becduse of the very
high density of mercury, the propellant for both the up and down phases of the
trip can be carried in the szame tank,

Pavametric performance of a reprosentative mercury bombardment system ls
prasentad in Flgure 12. It should be vbsarvad that the mercury system can
utilize the full 52,000 1b capadbility of the Shuttle whereas the geparation
weight of the 40 x 13,5 fr eank LH, case i3 va the order of 51,500 lbs,
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NASA LeRC has indicated the Isp range anticipated for the SEPS thrusters.
Some of this information is presented in Table 3,

Table 3, J-Series Thruster Data

TERUSTER INPTT SCREEN VOLTAGE BEAM CURRENT Isp TERUST

POWER, WATTS VOLTS SYPS SEC MILLI-NEWTONS
2700 1100 2.0 2940 128
1927 940 1.6 2667 97
1431 820 1.3 2412 7.
1008 700 1.0 2123 53
710 600 ' 0.75 1877 37

Because of the relatively high value of specific impulse associated with
electric propulsion systems, the required propellant is a smaller fraction of
the spacecraft weight than is the case with chemical systems, The mass frac-
tion for the mercury system is on the order of 0.70 whereas 0.85 is represen-
tative of a comparable value for a chemical system.

The current MSFC SEPS activity requires the use of the IUS to boost the
spacecraft and payload into a high earth orbit, There are two basic reasons
for this maneuver. First, the spacecraft is boosted beyond the Van Allen
radiation belts and second, mission trip time is drastically reduced. The
primary SEPS mission requires earth escape hence there is no concern with a
round trip, i.e., returning through the Van Allen belt, Boosting the vehicle
beyond the Van Allen radiation belt and then deploying the array adds signi-
ficantly to life and performance. Compurigon of the trip times between the
basic and IUS boosted SEPS shows that a SEPS mission requiring 180 days to
conduct with a basic SEPS can, dependent on the IUS configuration selected,
be accomplished between 60 and 90 days. Other factors, such as the cost of the
IUS and operational factors such as SEPS reuse for LEO-GEO-LEO missions should
also be considered, For the comparison presented in this report, however,
the non-boosted case has been assumed.

PERFORMANCE COMPARISON

With the material preseated in this sectiou of the report, it is possible

34




to compare the performance of the propulsion systems analyzed. The estimated
performance of the solar rocket engine is discussed in detail in Section 5.0,
Thruster/Absorber Design and Performance. The Isp values of 872 and 1041 seconds
reflect gas temperatures of 5000 and 7000°R, respectively, The materials and
cooling problems of the 5000°R thruster are significantly less than the higher
temperature concept. For the performance comparison with the chemical systems,
the 5000°R performance has been used. Entering Figure 9 at an Isp of 872
seconds and a mass fraction of 0.85, it may be seen that the payload is on the
order of 20,000 lbs. Using an Isp of 475 seconds and a mass fraction of 0.90,
Figure 10 indicates the LOZ-LH2 system payload is approximately 20,000 lbs. It 1s
apparent that the high specific impulse of the solar rocket has been negated by
the high AV requirement. As indicated earlier in the discussion of Figurell, a
gtudy should be undertaken to devise a method to reduce the solar rocket AV
tequirement. The resu.ts of tha study are presented in Figurel3. The perigee
burn technique used "o generate the information is discussed in detail in Sec-
tion 6.0, Orbital Mechanics. The AV's required to conduct 20 and 40 day missions
were used to prepare the carpet plots presented in Figures 14 and 15, respectively.
For an Isp of 872 and a mass fraction of 0.85, the payload indicated in Figurel$
is on the order of 29,000 lbs, a significant increase over the 20,000 1b value
indicated for the 14 day trip solar rocket and L02~LH2 system. Because trip
times were not identified in the SOW, the detailed performance estimates presented
in Section 8.0, Vehicle Synthesis and Performance, will be presented as a
function of trip time.,
As indicated in Figuresl4d andl5, the performance presented was based in
the utilization of a 40 x 14.5 ft propellent tank. Based on a useable cargo
bay length of 56 ft., 16 ft remains to accommodate the spacecraft and payload.
A brief analysis was conducted to determine the effect that shortening the
propellant tank has in payload. 4 35 x 14.5 ft tank was examined for the
40 day trip time case with lsp = 872 and Yy (.85, The resulting payload was
25,000 lbs. For the 40 x 14.5 ft tank, the corresponding payload was approxi-
mately 29,000 1b (FigurelS). The trade-off shows tha® increasing the length
available for the payload/spacecraft from 1§ to 21 ft is accompanied by a
payload loss of 4000 1b,
The preceding material presented a comparison of the LEO-to-GEO perform-
ance capabilities of solar thermal and chemical propulsion systems. The AV's
gelected for the solar thermal rocket were those associated with 14, 20, and
40 day trip times. Performance estimates for these cases are presented in
35
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Figures 9,14, and 15, respectively, The L02-LH2 rocket assumed an impulsive

AV maneuver which corresponded to a AV of 14,000 ft/sec for the one-way LEO-
to~GEQ case, The Centaur is representative of a vehicle capable of providing
an "impulsive" burn, Centaur thrust is provided by two 15,000 1b thrust P&W
RL-10 LOZ-LH2 .
it may be seen that the resulting T/W = 0.48. The use of a velocity increment

engines., Based on a Shuttle separation weight of 62,000 1bs,

14,000 ft/sec is, therefore, a reasonable assumption. -
Not all payloads of interest, however, may be able to accept a T/W as
high as 0.48, The NASA LeRC has recognized this possibility and has initiated
programs to investigate the subject., Aerojet and Rocketdyne are studying pri-

mary liquid rocket propulsion systems of the type required to propel large
space structures from LEO-to-GEO, The thrust levels of interest range from
100 to 3000 lbs. LeRC has also indicated that the Shuttle separation weight
shall be 60,000 1bs, It may be seen that, for these assumptions, the resulting
T/WZ5 x 10-2. A T/W of this magnitude precludes the use of the impulsive
AV technique, The AV's required for low thrust chemical systems have been
computed and are presented in Tigurel6. Note the significant increase in AV
for the single perigee/apogee burn case comparad to the eight perigee/singie
perigee burn mcie, Performance estimatea for the asingle and multiple perigee
burn modes are presented in Figures 17 and 18, respectively. It may be seen,
for Isp = 475 and vy = 0.90, that the multiple burn case payload is 2500Q lbs
(~12%) greater than the single burn mode although the trip time has increased
from approximately 6 to 22 hours. For comparison purposes, the payload for
a single burn/1000 lb thrust case was computed. The input parameters used
were; AV = 16,500 ft/sec., Isp = &75,vb = 0.90, The resultant payload was
approximately 16,000 lbs., The purpose of the preceding discussien is to
illustrate that the performance capability of a chemical system i3 payload
sensitive and that impulsive AV methods cannot necessarily be emploved vnder
all conditions and that these factors should be counsideted in seolar/chemical
comparisons,

Table 4 has been prepared tuv summarize the performance parsmeters discussed
in this section of the report. The results of the detailed performance esti=

mates are presented in Section 8.0, Vehicle Synthesis and Performance.
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4.0 COLLECTOR CONCEPT AND PERFORMANCE

A basic requirement of the solar collector system is to maintain a high

concentration of sunlight at the engine absorber gsurface. The concentration

ratio achieved strongly affects the temperature and efficiency of the absorber
and consequently the size and mass of the collector system required for a
given engine thrust,

At high values of specific impulse, which require high absorber tempera-

tures, reradiation losses are high and concentration ratio becomes a critical

,.
B b e o i

factor in keeping collector size and mass within reasonable limits.

The technical problems inherent in large, high performance solar concen-

trators include the following:

e Figure accuracy - Advanced fabrication techniques and possibly
active figure control is required.

e Pointing accuracy - A solar pointing accuracy of +0.1 degree or
less is desired.

e Radiation damage - In the Van Allen belt, the proton flux can
cause bubbling of the plastic substrate beneath the reflective
surface and degrade its specular reflectance.

® Meteorite damage - For continuous use, refurbishment must consider
small amounts (~0.001 percent) of reflector surface erosion by
meteorite bombardment. Inflated designs will require makeup gas.

e Exhaust plume impingement - Adequate clearance must be provided for
tue engine exhaust plume to avoid disturbing forces on the concen-

_ trator dish and excessive heating.
Ff ?  Eclipse effects - Temperature gradients and transients imposed by
: A eclipse periods can cause temporary defocusing, and overheating of
‘ the structure adjacent to the focal peint.
i 3. e Deployment and construction - In large sizes associated with the
: higher payloads, fully deployable petal concentrators become
3 3 . unweieldy and may require on-orbit assembly.
e Optical transfer devices - Multiple reflecticn losses degrade

overall performance.
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The principal types of concentrators considered fr:r the -solar thermal
rocket concept include the following:
< Solid
Petal
Inflated, rigidized
Inflated, non-rigidized
Tensioned-net /membrane
Electrostatic tensioned membrane
Whirling membrane
Fresnel facets

® & o o @ & ¢ o

Spherical facets

Anyons of the above types can be used {n conjunction with Cassegrain
mirrors, light tubes, or other optical transfer devices such as those shown
in Figurel9.

SELECTION OF COLLECTOR CONCEPT

The primary criteria used in selecting the baseline concentrator design
are listed below in approximate order of importance:

1. Performance (concentration ratio and efficiency)

2. Specific mass

3. Deployability

4, Operational life

S. Focusing control

6. Compatibility with both solar pointing and mission

thrust vector Steering requirements

7. Compatibility with vehicle C.G. control.

These considerariouns :rere major driving factors im both the collector
design and the overall vehicle configuraticn. To fly every conceivable mission
and orbit inclination, ‘he thrust vector must be capable of being pointed in
any direction relative to the sun line, vhile at the same time maintaining
orieatation of the collector with the sun. This requires two axes of freedom
for tha thruster, with the collector(s) located away from the exhaust plume
and its he:sting and contanination effacts. The simplest solucion is to
locate tha collector(s) outside of the plane of rotation
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of the thrust vector and roll the entire spacecraft about the sunline as needed
to obtain the other axis of freéedom for thrusting. The propellant tanks and
payload rotate continuously with the thruster as a unit about a bearing axis,
with the engine(s) gimballed slightly relative to the propellant tank and
payload to provide vehicle steering control. This arrangement is illustrated
in the candidate designs of Figures 19 and 20,

Baged on the above considerations gnd the stated selection criteria, the
choice of a baseline collector concept quickly narrows down to that of Figure
20, namely inflated, non-rigidized, off-axis paraboloidal collectors,
focusing directly onto the engine absorbers, each which include a compound
parabolic reflector skirt or Winston reflector horn to further concentrate the
centermost rays. The efficiency losses, weight and deployability problems of
the transfer optics shown in Figure 19, and other optical devices such as
heliostat mirrors, are thereby avoided. Additional versions of the selected
collector/vehicle concept are shown in Section 7.0, Spacecraft Design.

The solid and petal type collector designs were rejected because of their
high specific masses (~0.25 lb/ftz),especially in large sizes. This compares
to a specific mass of ~0.03 lb/ft2 for the inflatable, non-rigidized designs.
The inflatable, rigidized design was rejected because of relatively high mass
and low optical quality caused by grainess of the rigidizing foam or backing,
and the thermal and mechanical distortions inherent in such a design. The
mwechanically tensioned-net/membrane and electrostatically tensioned membrane
designs both require a complex deployment scheme. The whirling membrane concept
uses centrifugal force to maintain a paraboloidal shape but requires a central
axis of symmetry and is incompatible with an off-axis configuration. The
Fresnel concept uses a large number of planar facets mounted on a flat structure,
each facet focused on the engine absorber. The deployment and alignment
problems of this approach are formidable, in addition to the significant
weight penalties that are incurred. A much more viable approach is the use
of large inflated spherical facets which are joined so as to closely
apprr.vimate a8 true off-axis paraboloidal surface. A key advantage of this
approach over ¢ one-piece inflated paraboloid is the ease of achieving constant
membrane stress (and creep) over the entire collector surface, as discussed
in Section 7, Spacecraft Design. This is one of the versions of the baseline

collector concept which should be evaluated in follow-on study effort.
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Figure 20, Non-Rigidized, Inflatable, Off-Axis Concentrator Configurationm
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The chosen generalized concept (inflated, non-rigidized, off-axis,
paraboloid) scores highly in each of the prescribed selection criteria
except possibly C.G. control and operational life. Present information
indicates that one-way light transmission through the transparent canopy
may degrade from 95% to 90% or less in 10 years of operation in space.
Present material candidates are FEP teflon and specially treated mylar, but
other promising new films are being developed for commercial solar energy
applications. Although standard mylar degrades from radiation exposure (in-
cluding UV) in ground applications, data shows that in the absence of oxygen
such damage is greatly reduced. This is especially true for the reflector
membrane which can be metallized on both sides to exclude UV, Other radiation
damage occurs chiefly in the Van Allen belt from low energy protons which can
be trapped within the membrane film and create minute hydrogen bubbles which
destroy the optical smoothness of the metallized surface. This effect is
believed to be slight for the expected operational life cycle exposure
but further lab testing is required to verify that. Figure 21 shows
specular reflectance values for Kapton and FEP Teflon metallized film, from
Reference 7.

For ideal C.G. control, the C.G. of the collector should be located on
the rotation axis of the thruster. As shown in the baseline design of Figure
22, this condition 1s not satisfied, and for large collector sizes, engine
gimbal deflections of up to 30 degrees may be required in the plane of
rotation to achieve steering control. This requirement is reduced consider-
ably by alternate versions of the baseline design shown in Section 7.0,
Spacecraft Design.

COLLECTOR SIZE, MASS AND VOLUME CHARACTERISTICS

Two collectors are required per spacecraft for C.G. control. Figure 23
presents estimates of collector size as a function of total spacecraft
thrust for three propellants (Hz. NH3 and Nzuz) at assumed values of Isp and
other parametersc.

Qualitative validatior of an inflated torus concept was provided by a
10 ft, 0.D. inflated model fabricated for another Rockwell IRSD project by
L'Carde, Inc. of Newport Beach, Calif. This torus model was made by taping
together flat sheet, 1l mil mylar and used a central flat mylar membrane.
Structural stability and ridigity were remarkable even at less than 1 psi
inflation pressure in the torus. Weight of the assembly was 1.3 1b
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(v 0.02 lb/ftz) and packaged dimensions were quoted as 6.5 x 6.5 x 2 inches.
Makeup gas requirements, however, for maintaining this relatively high pressure
would be prohibitive. It is estimated that 3000 lbs of hydrogen gas would

be required for a 100 ft. dia. torus for a 20-day trip, due to leakage from
micrometeoroid punctures accumulated in 10 years of service. This penalty
can be avoided by use of an erectile shell concept proposed by L'Garde,

Inc. in which the inflatable torus is fabricated from aluminum foil. During
inflation and deployment, the foil is stressed beyond its yield point which
locks it into an "egg-shell" structural surface which remains rigid after
leakage of the inflation gas. A lighter version of this concept was proposed
by Goodyear Inc. in their Project Able studies (Reference 8 ). As shown

in Pigure 24, they proposed an inflated wire-grid truss rim composed of soft
aluminum wires woven in a coarse open grid and laminated with 1/2 mil mylar.
Figure 25 shows the weights estimated by Goodyear for such a design. Based
on this data and a 0.5 wil mylar reflector membrane and canopy with a film stress
of 100 psi, the estimated mass of a 100 ft. dia. collector (projected dia. to
sun) is 220 lbs, or 0.028 lb/ft2 of projected area. The packaged volume is
5.5 fc3 based on a conservative packing efficiency of 25X. Figure 26
presents mass and volume characterisi ics for a range of collector diameters.
The largest single collector which can be carried on a single Shuttle load of
62,000 1bs has a projected diameter of ~ 16G0 ft.

Gas Leakage Calculations

The inflation pressure requived to achieve 100 psi film stress in a 100

ft. collector (projected dia) with a 0.5 mil reflector membrane is given by

P = 4 St » . 100)(0.0005}
D 400 x 12
»w 4.7 x &0-5 psia
where

=  pressure, psi
s = stress, psi

t = film thickness, inches

D = diaseter of curvature, iaches
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TENSIGNING DEVICE

REFLECTOR

1§ MIL AL WIRE SPACED 4Q°LONGITUDINALLY
. 20" CIRZULAR SANOWICHED BETWEEN 2 LAYERS
IS MIL KARTON FILM

Figure 24. Goodyear Wire 6rid Truss Rim Concept

{Reproduced from Ref.8)
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The total leakage area resulting from micrometerite puncture after 10
years is estimated to be 0.001% of the total membrane area (Ref, 7) or
.31 ftz. Assuming that the inflation gas is hydrogen at 70°F, the leakage
mass rate is approximately:

W . evA _ _1.69%10"8 (4000)(.31)
4 4

6

= 4,63 X 10 1b/sec

or 7.98 1b in 20 days, per collector

where
e = density, lb/ft3
V = gonic velocity, ft/sec
A = garea, ft2

This arount of makeup gas is entirely negligible and can be tapped off of the
engine LH2 feed line. The divisor of 4 used in the above equation accounts

for flow in the molecular regime vs. viscous regime.

The above calculation applies to leakage from an inflated reflector
nembrane and canopy of the type shown in Figure 22. It 1is independent of the

type of collector rim used ({nflated torus, erectile shell, wire-grid truss,
etc.).




Solar Flux Distributions

Figures 27 and 28 show the results of analysis of the solar flux
distribution at the focal plane of in on-axis parabolic concentrator, for
use in SRSCA engine analysis. The concentrator characteristics used are:

Rim angle + 45°

Total reflectivity 0.9

Pointing error 0.0 degrees
This data was obtained by numerical integration of the reflected emevgy
fulling on the focal plane and includes the efiects of:

1. Sun disc subtended angle (+ 16')

2. Angular errors of concentrator surface

2. Ellipsoidal images at focal plane producec by oblique rays

from other regions of concentrator

4. Increagsed length of rays reflected from outer regions of
concentrator

The peak concentration ratio at the center of the focal plane of a

perfect paraboloid (o = Q.0 degrees) is given by:

C o 2z flcos 4 R dr
? tan? 16’ JE

Q

where 4 = arc sin _R
T

! « 1201+ R

4.8284
R = collector radius, dimensionliess
2 = reflactivity of collector

The flux distribution obtained for g = 0.0 degrees was wodified by
applying a normal Gaussian probability density function corvected for three
dimeansional space coordinates, to obtain the flux distributions for
3 = 1/8, 1/4 and 1/2 degrees.

These distributions are J-dimensional bodies of vevolutive having equal

voluzes. Consequently, their cross-sectienal aveas, as showa im Figure 27

increase with decreasing surface ervovs,
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Energy and temperature distributions are given in Figure 28 for a
concentrator surface error standard deviation (o) of 0.5 degrees. This
deviation includes the effects of surface finish, wrinkling, waviness, and
contour errors. Pointing error was chosen to be 0.0 degrees since this
provides the worst case (high) flux intensity for materials considerations.
The effects of pointing errors will be accounted for by shifting the flux
distribution off center by an amount equal to 0.05568 8, where B is the
pointing error in degrees. A maximum pointing error of 0.1 degrees will be
ass&med. The effect of this error on peak flux intensity is negligible in
the study. The accuracy of results obtained is considered to be within + 57,
For purposes of this study, they can also be used for the case of an off-axis
paraboloidal concentrator as long as the average rim angle is * 45°. A reflector
skirt will be used at the absorber to boost the peal concentration ratio,
COLLECTOR STATE OF THE ART

Sundstrand Corporation and Goodyear Aerospace Corporation were contacted
regarding their experience with Solar concentrators built for the Air Force
ASTEC program in the early 1960's. References 1 and 9 describe the
very exteasive analysis, fabrication and testing effort involved. A rigidized
design was chosen over a folding petal design as the result of competitive
testing of 10 ft. diameter models. The rigidized designs were produced by
Goodyear for Sundstrand. They were fabricated by laying up gores of 1 mil
mylar on a paraboloidal tool, seaming the radial butt joints with tape,
inflating to shape, and spraying the backside with a lacquer coat and
polyurethane foam (Figure 29). The 44.5 ft. dia. mirror was supported by
a tubular truss framework to facilitate handling and mounting on a solar
tracker,

Three types of optical performance tests ware used:

1. Optical ray tracing using a thin collimated light source.

2. Flux intensity mapping at the focal plane using a poiat sensing

radiometer, with the mirror pointed at the sua.

3. Cumulative energy mapping at the focal plane using & cold cavity

caloriweter and various aperture sizes, with the mirror pointed

at the sun.
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The peak concentration ratio achieved by the 10 ft. diameter design
was 3900:1. This agrees roughly with results of the optical ray tests
which indicated an angular surface error of about 0.5° standard deviation.

i L
%j‘ 4 Most of this error is believed to result from graininess or "orange peel"
f in the foam backing.

i e

§ f 5 The profile of the 44.5 ft. diameter mirror was checked by template
! i g before and after rigidization. The surface error at selected points was
. éf within 0.2 inches from a true paraboloid and the corresponding error was
‘ on the order of 0.08° standard deviation. "Orange peel" was avoided by
spraying with a lacquer coat before applying the foam. The foaming process,
_ however, introduced a spiral ripple in the mirror surface due to the pattern
: in which the foam was applied and the uneven stretching effects on the mylar
from heat generated by the foaming reaction. The peak concentration ratio
of the finished mirror was 3200:1 which corresponds to an angular surface
error of about 0.6° standard deviation, slightly worse than for the 10 ft,
dia. mirror. Figure 30 presents a flux contour map obtained from solar
testing of the 44.5 ft, dia. collector.
i : Sundstrand has indicated that the optical smoothness and quality of
' E the mirror surface was far superior in the inflated unrigidized state.
: f This was also evident in photographs of the paraboioid surface before and
e after rigidizing which showed marked difference (> 10:1) in the quality of
reflected images. Conceivably this degradation from foaming could be reduced
by use of a slow reacting foam mixture to reduce heating effects, but

temperature gradients across the foam layer in service could still cause

‘4 é_ serious distortions of the overall paraboloidal contour. Sundstrand recommended
§j . é, the non-rigidized, inflated concept for large mirror surfaces in space.
: : ACHIEVABLE CONCENTRATOR PERFORMANCE
é{ Based on concentrator development experience in the ASTEC Program, it

appears that inflated paraboloidal contours can be fabricated with an angular
sutface error of « 0.08° standard deviation, and possibly :_O.OSOViCh tooling
and fabrication process refinements. Preliminary tests of the basic specular
reilectance of aluminized films indicates that a dispersion errcr of + 0.09°

can be achieved, with « 0.06° pussible through pre-stretching or polishing of

? film. This equates to an overall (R$SS) surface angular error of :0.12o

N
¥
1
H

(searchlight quality) with a potential of achieving + 0.08°.
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- Flux Contour Map

Results of Goodyear Concentrator
(Reproduced from Ref.l)

nd Test

Figure 30. Sunstra




4 Table 5 presents the assumed error budget for an overall collector

E- ) pointing error of 0.1 degrees: These accuracy values are considered to be
within the capabilities of state-of-the-art attitude control system hardware.
Table 6 gives an achievable average concentration ratio of 14,328:1 at

the exit of a Winston horn (compuund parabolic reflector skirt) whose inlet
aperture radius ratio (r/R) is 0.006. The exit of the horn would be located .

at the optical inlet of the absorber cavity. The maximum absorber temperature

corresponding to this concentration ratio for an absorptivity/emissivity
ratio of 1.0, is 7700°R, assuming zero absorber efficiency, or 100% reradiaction
’.\‘" losses. At 7000°R, the reradiation losses are reduced to 68.3%.
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Table 6. Achievable Concentration

ASSUMPTIONS
*  Rim Angle iﬁSo
- Surface Error 0.12° (Std. Dev.)

+  Collector Efficilency 0.80

(Reflectivity C.9)
(Canopy Transmission 0.89)

AVERAGE C.R. AT INLET TO WINSTON HORN =

AVERAGE C.R. AT EXIT OF WINSTON HORN

+ Winston Horn Concentratiovn (Theor.)

Off-Axis Correction Factor

* Pointing Error Correction Factor

. Window Transmission Factor

g Winston Horn Reflective Efficiency

Ratio

9,800 (on-axis)

= 14,328 (off-axis)

2:1
0.95
0.95
9.9

0.9

R R e R R SN
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5.0 THRUSTER/ABSORBER PERFORMANCE

To achieve a high performance propulsion system, a high delivered specific
impulse is necessary. The specafic impulse achieved by a rocket thruster
is dependent on the propellant selected, the final propellant gas temper-
ature attained and the thruster performance losses. Theoretically the

vacuum specific impulse varies as
1 a Temperature
s Molecular Weight

therefore a low propellant molecular weight is desirable and leads to the

selection of a low molecular weight propellant. For conventional liquid
bipropellaats at a given chamber pressure, the gas temperature is ounly a
function of the fuel and oxidizer mixture ratio. For the solar rocket the
approach used 1s to use a monopropellant and achieve high gas temperature
through solar heating. Final propellant gas temperatures exceeding that
of conventiocnal bipropellants are possible and are limited only by wall

material temperature limits and/or the sun's temperature.

Two absorber/thruster concepts were evaluated in this study. One absorber/
thruster concept utilizes a solar cavity heat exchanger configuration in
which the propellant indirectly absorbs the solaxr radiation incident on
the heat exchanger walls., The maximum propellant gas temperature for this
concept is limited by the temperature limit of the wall material. The
other absorber/thruster configuration incorporates direct selar radiatiom
absorption through the use of absorbing wolecules or solid particles.
Since the absorber/thruster cam be cooled with the propellant prior te
entering the direct solar radiation absorher, a final gas temperature
exceeding wall material temperature limits can be achieved and therafore
this concept has a higher cthruster perforesncs potential chan the cavity

heat exchanger concept.
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THEQRETICAL PROPELLANT PERFORMANCE

Theoretical Vacuum Spgeific Impulse

To pradict the potential delivered specific impulse for the solar rocket,
parametric ODE* performance data wers generated. The variation of
theoretical equilibrium (shiftiug) vacuum specific impulse with gas
temperature were deteruinmed for hydrogen (Hz), methane (CHA)’ ammonia
(HHa), and hydrazine (Nzﬂa)at a chamber prassure of 50 psia as shown in
Figure 31. Data for thruster nozzle area ratios ranging from 100 to 400 are
presented. For a given propellant gas temperature, hydrogen achieved a
theoretical specific impulse a fector of two higher than that of ammonia
or hydrazine and approximately 77-percent higher than that of methane.

The increase in slope of specific impulse versus temperature with hydrogen
at approximately SON0°R is the result of an increase in the amount of
dissociated hydrogen. Methane specific impulse values for a given temper-
ature were 14 to 24-percent higher than that of ammonia. As shown in
Figure 31, the variation of theoretical specifi: impulse for aa area ratio
increase from 100 to 400 was approximately 6-percent at 7000°R gas
temperature for hydrogen.

The desired high propallant temperatures represent a provlem for methane.
Above 1760°R methane stsrts to decomposa and forms coke which Jdeposits on
coolant passage walls. This coking layer acts as an iansulating layer and
makes cooling of the heated surface difficult. Therefore methans was not

considaered a potentially attractive propellant for the solar rocket.

One appreach to achieve a high specific impulse and low propellsant volume
is to utilize a combination of hydregen and hydrazine. The thaoretical
vacuun specific impulse data for a 5as temperatura . f S000°R is presented
in Figure 32 for various hydrazine mass Ivactions. The trend of specific
impulse versus hydrszing mass fraction was roughly linear with specific
impulse decreasing approximately 4-percent for each lO-percent of hydrazine
addad.

*Qac-dimensons ajubibiiun




2500 L
Ha
2000 L .
E
[+
-l
~
Q
ud
[7,]
Aou
o
-
o 1500 L
(7]
-l
=
Q.
z 400
Q , 200 CHd
uw 100
(&)
(V9]
& 1000 L
=
oo |
2
(%]
<o
> £
- 400
<
S - - #7100 -
b : . -
" 500 | 3‘)(;,/' Loo
S - -".,.\.:’
- -~
T A MM
200 Iy A 4 2
2000 4000 6000 8000 10,000
GAS TENPERATURE, °R
Figure 3. Thearetical Vacuum Specitic lmnulse Variation
With Gas Tewperatuyre for Hydrogen, Hydrazine,
Ammonia, and Methune
73




[N

it i . L ils e .

m

THEORETICAL VACUUM SPECIFIC IMVPULSE, LBf sec/LB

HZ/Hydrazine
Pc: 50 psia

. ]
1‘sa s 5000°R

1000 o - cmmmie g et e e o e
e e i
o — e

950

900

850

800

750

'y

;Y Y

()

400
200
100

0 0.1 0.2 0.3 0.4 0.5

MASS FRACTION OF HYDRAZINE
Pure H,

Figuve 32. lydrogen/Hydrasine Theoretical Specific Impulse at 500G0°R

74

RN s - SN SO AN



The influence of chamber pressure on the theoretical chemical equilibrium
(shifting) vacuum specific impulse was determined for hydrogen and ammonia

as shown in Figures 33 and 34, respectively. The variation with gas tempera-
ture and nozzle area ratio is also presented. For both hydrogen and

ammonia the increase in the amount of dissociated hydrogen at the lower
chamber pressures resulted in the higher specific impulses. Theoretical
specific impulse increases as high as 16 percent were achieved. However,

the increase in reaction kinetic efficiency at the lower chamber pressures
was expecfed to negate the theoretical specific impulse increase. The
reversal of this trend at the higher temperatures for hydrogen (Figure 33) is
due to the influeunce of the increase in heat released in hydrogen recombin-
ation at the higher chamber pressure becoming dominate over the influence

of the increase in dissociated hydrogen in the chamber at low chamber

pressures.

For the particulate absorption thruster concept, one candidate propellant
was a hydrogen-carbon mixture. Submicron carbon particles are used to
directly absorb the incoming solar radiation. The variation of the theoret-
ical specific impulse with carbon fraction and gas temperature was obtained
for the hydrogen/carbon mixture at a chamber pressure of 50 psia and an

area ratio of 100 to 1 (Figure 35). The addition of the higher molecular
welght carbon degrades the specific impulse. At a fixed carbon fraction

thia degradat lon hoavswoas gieator at tha higho: gaa tewpeiatuwias

The influence of nozzle area ratio for the hydrogen-carbon mixture is
pregented in Figure 36. For gas temperatures of 5000°R and lower, an increase
in area ratio from 100 to 400 resulted in a 1.4 to 1.8 percent increase in

the theoretical specific impulse. At gas temperatures of 7000° and

10,000°R, a specific impulse incvease of 5.2 percent resulted for this same

area ratio change.

Encthalpy Influences

One approach to rating the various candidage propellants from a thruster
performance standpoint is to determine the achievable spee.fic impulse for
a given thrust level and solar radiaticn hear fnput. Pertineat relation-

ships for a vingle fluid propellant are:
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Heat Input, Q = mProp. AHPtop.

and for a fixed thrust,

. 1
mProp. * Is

Combining the preceding two relationships,

A curve of specific impulse versus AH was plotted (Figure 37) and translated
into a specific impulse versus AHProp/Is curve as presented in Figure 38.

As shown in Figure 38, hydrazine and Bz resulted in approximately the same
specific impulse for the same Q (AHProp/Is) but the ammonia specific

impulse was approximately 14 percent lower for a given Q. However, to
achieve the same specific impulse, the hydrogen only needs to be heated ro
less than one-half the temperature of the hydrazine which is desirable.

The material temperature limitations and the limitation of not being able

to exceed the effective sun temperature of approximately 11,000°R makes
hydrogen an attractive propellant from am absozber/thruster perinrmance

standpoint.
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ABSORBER PERFORMANCE

Heat Exchanger Cavity Absorber

In determining the heat exchanger cavity concept, both spherical and flat

disc absorber configurations were evaluated to obtaia absorber efficiency

trends. The spherical cavity represents the cavity with the lowest cavity
shape féctor which reduces cavity reradiation losses. The flat disc

absorber represented the simplest concept.

The cavity ~bsorber efficiency relationship was derived based on an exten-
sion of the work of Kreith (Ref. 10) and Stephens and Haire (Ref. 1l1).

The cavity absorber efficiency was defined as:

QS - (er + Qrz)
nCavity " Q
Absorber
Where
Qs is the solar radiation absorbed by the cavity and working fluid
Qr is the energy lost through reradiation through the opening
er is the energy lost from the cavity external surface
Q 2 is the incoming solar energy
' 1 3.9860465x10”22 | 4
= - +
Moavity T T-(-F (e | %1 C Ay /a) | ¢182F15T
Abgorber
et (1-(1-F,,) (1-e,)
ww 12 1
Where
F12 = Shape factor
e = (Cavity internal surface emissivity
e, = (Cavity opening emissivity
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e a Cavity external surface emissitivy

Y

c = Concentration ratio of energy entering cavity absoxber
A2/A1 = Ratio of cavity opening area to internal area

Tl = Cavity absorber intermal surface temperatures, °R

'I‘w = Cavity absorber external surface temperature, °R

For the heat exchanger-type cavity, e, is equal to 1.0.

For the degenerate case of a flat disc, the above expression becomes:

~12
: 3.9860465x10 4 4
Mrlat e - ¢ [elTl te Ty ]
Disc
Absorber

The efficiencies for a spherical heat exchanger type cavity and a flat disc

absorber are presented in Figures 39 through 42 to illustrate the general
efficiency trends.

For these cases an absorber surface emissivity of 0.3, an external surface
emissivicy of 0.05 and an external surface temperature of 960 °F were assumed.
For the spherical cavity absorber, the efriciency increased with decrease

in the ratio of cavity opening area to internal area (A2/Al) and with
increase in concentration ratio. At 1000 °R spherical cavity intermal
surface temparature (figure 42), an increase in concentration ratio did not
significantly increase the cavity efficlency. However, at a cavity intermal
surface temperature of 4460 °R, a concentration ratio of 4000 to 6000 is
required to achieve an efficiency of 60 percent (Figure 42). Due to the
increase in reradiation with absorber internal surface temperature, the
efficiency decreased significantly with increase in surface temperature

for both the spherical cavity absorber and the flat disc absorber.
From Figures 39 through 41, the spherical cavity absorber has an efficiency

greater than a factor of two higher than that of a flat disc absorber

with an absorber surface emissivity of 0.3. As the flat disc absorber
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emissivity is increased to 1.0, the absorber efficlency approaches that

of the spherical cavity as shown in Figure 43. For the spherical cavity
absorber (Figure 44), an increase in cavity internal surface emissivity did
not significantly increase cavity efficiency for low opening area to
internal area ratios (0.01), but did influence cavity efficiency at high
opening area to internal area ratios (0.10).

The heat exchanger cavity concept selected consisted of a combination of
a spherical cavity and a flat disc. As shown in Figure 45, the absorber
cavity consists of a spherical absorber cavity, a reflector cone (Winston
Horn), and a flat disc absorber. The spherical cavity permits the high
concentration ratio (high heat flux) solar radiation to be spread over a
large surface area to reduce the local surface heat flux. The right
angle orientation of the incoming solar radiation (from the collectors)
and the line of thrust necessitated separate components for the absorber
and thruster.

To obtain a high absorber efficiency, low absorber surface temperatures
and 3 high concentration ratio are required. For regions having low con-

centration ratios, low surfaces temperatures are especlally important.

Analysis of the sphere~cone-disc ahsorber indicated that the absorber
fluid conditioning circuit influences the overall absorber cavity efficiency.
Absorber efficiency was determined using the 1/2 degree angular error-on-
axis solar flux distribution and assuming hydrogen outlet temperature of
5000 °R and a collector diameter of 100 feet. The 5000 °R gas temperature
represented the upper limit of the wall material (tungsten) or tungsten
alloy being considered for the absorber/thruster. The four hydrogen flow
circuits illustrated in Figure 46 were evaluated. The first circuit (two-
pass disc circuit with the sphere and cone cooled first) resulted in the
outer portion of the flat disc (r/R = 0.02 to 0.05) losing heat to the
surrvoundings due to the high hydrogen bulk temperature and the low concen-
tration ratio &t the larger radii.
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For a flat disc the minimum concentration ratio for a given absorber surface
temperature is defined in Figure 47. The curve indicates those conditions
which produce zero absorber efficiency (i.e., the heat absorbed 1is just
equal to the heat lost by front-side and back-side re-radiation).

Due to the high hydrogen temperatures near the inner radius of the disc,
the second configuration resulted in an overall absorber eificiency less
than 50 percent. The third configuration (two-pass disc circuit with the
disc cocled first) lost heat from 0.03 to 0.05 r/R. Therefore for the
fourth configuration the disc outer radius was limited to a r/D of 0.13
(18 inches) and provided a satisfactory design. The two-pass circuit
resulted in a more uniform surface temperature due to the balancing of the
cold and hot fluid temperature influenmces.

A brief amalysis of the cooling ability of the dissociated propellants was
performed using a generalized coolant correlation. As shown in Figure 48.
the cooling parameter (which is directly proportional to the coolant-side
film coefficient at a fixed mass velocity) iancreases slightly with
increase in fluid temperature. This trend indicates a slight improvement
in cooling capabilicy.

For che nominal collector surface angular ervor of l/f4-degree and 2 spheve/
hom/disc cavity absorber, the influence of the abserber heat input and
absorber efficiency with the reflector cone inlet vadius ratio {cane ov
hom radius to collector radius) vas determined using hydrogen as the
propellant. As shown iu Figure 49, the heat absorbed and the zbsorber
efficiency leveled off at a radius rztio of 0.006 {a 3.6-inch radtus for a
100~-ft collector diaxeter). Therefore, this radius ratio vaiua was

selectad as the noninal cene inlet radius ratio valuye.

The influence of the cellector surface angular errovr was detersined for the
heat exchanger cavity absotder using hydrogen with an 8-fnch diametoy
spherical cavity and & Y6-inch dizmet#r annular disc. As the surface

aagular error was increased ihe hea: absorbed and the absorbder efficiency
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Diameter: 100 ft
Surface Angular Error: 1/4°
Collector Efficiency; 80-percent
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decreased, as shown in Figure 50. As a result to maintain the 5000°R hydro-
gen outlet temperature, the hydrogen flowrate decreased. The propellant
temperature of 5000 °R was selected as a maximum for this absorber/

thruster concept using tungsten and tungstem alloy materials,

The results of the heat exchanger cavity absorber analysis are presented
in Figures 51 and 52 for ammonia and hydrogen, respectively. As shown in
these figures, the absorber efficiency and the heat absorbed decreased with
increase in propellant absorber outlet temperature. Efficiencies varied
from 70-to 85 percent over the 3000 to 5000 °R propellant temperature range.
The heat absorbed and efficiencies were sim{lar for both ammonia and hydro-
gen; however, the hydrogen flowrate was approximately 1/4 that of the
ammonia flowrate as a result of hydrogen's higher heat capacity.

Particulate Absorber

The basic concept of the particulate absorber/thruster involves the direct
solar radiation absorption by the propellant as well as a heat exchanger.
As shown in Figure 53, the solar radiation enters an enclosed absorber
through a high transmittance solid window. The incoming solar radiation

is absorbed by the particulates mixed with the primary propellant. Through
conduction, convection and radiation the heat absorbed by the particulates
is transferred to the primary propellant which is then exhausted through a

conventional nozzle.

A number of particulate absorber/thruster configurations were qualitatively
evaluated (Figure 54). With the incoming solar radiation oriented 90-degrees
to the line of thrust, a one absorber/thruster system could absorb the
radiation from both cellectors (Concept A) or two absorber/thruster systens
could be used (Concept C and D). Councepts C and D could provide a space-
craft roll coatrol feature with two gimbaled thrusters. Concept D attenpts
to ainimize rervadiation losses to the absorber walls but wost likely the
reradiation losses through the absorber window will increase. The fourth
concept has the incoming radiation and the thrust direction i{n-line and
represents a more conventional thruster configuration. HWowever, For the

particvulate absorber/thvrusier voncept this approach could preseat a solar
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vadiation alignmant problem during gimbaliog as well as addictonat
collector losses, Due to the disadvantages discussed and to provide a
comparison of the two ab@orbgt/thruscer concepts, Concept A and C were
selected.

A survey of golar radiation absorbing media was conducted as shown in

Table 7. The imaginary component of the material index of refraction
provides an indication of the solar absorption efficiency of a particulate
material. A value of approximately 0.50 ia ideal. Silicon, selenium,

and carbon have values close to this and therefore were the prime absorb-~
ing media candidates. Another important consideration in the gelection of
the absorbing media is the wolecular weight of the material. A low
molecular weight absorbing media is desired to result in a minimum degrada-
tion of the thruster specific impulse. Of the three prime material
candidates, the carbon had the lowest molecular weight and therefore was
selected. As shown in Figure 55, 80-percent of the solar radiation could be
absorbed with a 5-cm absorption length and 0.5 micron carbon particles
using only a l0-perceat carbon mass fraction. In fact with g lQ-cm absorp-
tion length, the incoming solar radiation is essentially 100-percent

absorbed.

As shown in Figure S3, the actual mechanisms involved in the parti{culate
absorber/chruster ave extremely complex. A nixture of gas and solid
particles is simultaneously flowing, absorbing solar radiation of varying
intensity, and reradiating energy. The solar radiation absorbed by the
solid particles is transferred to the gas through heat comduction and
convecnion as the mixture flows toward the chamber throat. The precess is
further complicated by the solid/gas mixture initially oxperiencing the
total incoming solar radiation heat flux but then as the flow moves avay
from che receiving window (parallel flow absorber cenfiguration) the radiant
heat fiux would decrease due to a radiation flow blocking effect.
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Table 7. Material Index of Refraction
(n= ny - 1n2)
Molecular Wavelength n n

Material Weight (um) ] 2
Aluminum 27 0.24 0.16 2.53
0.40 0.40 4.45

0.8 1.99 7.05

2.0 2.30 16.50

Cesium 133 0.436 0.425 0.438
0.546 0.278 0.95

0.578 0.264 1.123

Nickel 59 0.50 1.828 3.339
0.54 1.925 3.627

0.60 2.066 3.995

Potassium 39 0.546 0.09 1.42
0.578 0.094 1.57

Silicon 28 n.59 4.3 0.74
0.55 4.4 0.63

0.60 4.35 0.59

Selenium 79 0.50 3.003 0.5i%
0.55 3.081 0.282

0.60 2.922 0.061

Soot 12 0.43 1.56 0.46
(H/C =114, 7) 0.55 1.57 0.48
0.80 1.57 0.46

{(N/C = 1/4, 6) 0.43 1.57 0.46
0.55 1.57 0.53

0.80 1.57 0.49

Tungsten 184 0.472 2.99 2.26
0.50 3.04 2.3

0.561 3.28 2.52
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Simplified analvses of the particulate absorber resultsd in an optimistic
. and conservative absorber performance evaluation approach. The equations

regarding the msjor heat losses and the heat absorbed are:

_f Qre:adiation egas g ATgas
4
3 Utndow e, AT,
radiation
- - - {
Qparticulate Qcollector N QRR Ny wandow
absorption radiation

i

‘ As shown in Table 8, the analysis approaches differ in the taujerature

E used for the reradiation heat loss. Since the radiant heztiny of the
flowing particulate/propallant mixcure will require ¢ finite vime increment,
the gas reradiation was based on the absorber imlet propellant temperature
for the optimisiic znproach. The conservative approach assumed a station-

o ary column of ssrticulatefpropellan: mixture with a reradiation temperature
of approximately 90-percent of the final gas temperature. This latter

approach would provide a minicum absorber efficieacy vaing,

Using a 10-percent carbon mass fraction and a 7000 °R finsl gas tomperature,
the efficiency of the particulate absorber was determined for . rdrogan/
carbon using both analytical approaches. For the two thruster - two
absorber configuration, absorber efficiencies af j7-pevcent amd l3-percent
resulted for the opgicisiic and censervative approaches, respeciively.

The diftercnce in these Tesults further indicated tho aced for ¢ detailed

analysis mothod for the garticulate absoxber.
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THRUSTER PERFORMANCE

Heat Exchanger Cavity Absorber/Thruster

For the solar rocket thruster, three tiiruster performance lcsses are
encountered. Tliese losses include the two-dimensional flow or divergence

loss, the boundary layer loss and the chemical reaction kinetic loss.

The two~dimensional loss accounts for the nonaxial flow variations as well
as the nonuniform nozzle flowfield. This loss was computed using the
Rocketdyne computer program for analyzing bell nozzle flowfields which
utilizes the method of characteristics for axisymmetric flow.

The boundary layer loss is the result of nozzle flow wmomentum deficit
created by viscous drag and wall cooling. The Rocketdyne boundary layer
computer program was used to calculate this loss. This computer program

employs an integral solutiom to the momenfﬁm and energy equation.

;1e . eaction kinetic loss is the result of the nozzle flow not being able
to maintain chemical equilibrium due to the rapid flow expansion precess
occurring in the nozzle. This loss was computed using the JANNAF one

dimensional kinetic (ODK) computer program.

All three of these analysis methods have and are being emploved in deter-

ining the performance of existing chemical rocket thrust chambers.

The cycle life capability of the absorber/thruster was not evaluated in
this study.

Heat Exchanger Cavity Absorber/Thruster

The results of the heat exchanger savity absorber/thruster nerformance
analysis are presented in Figure 56 and Figure 57 for a 100-to-l area ractio,
90-parcent length bell nozzle with two [00-fr diameter ¢ollectors having

a l/4-degree surface angular error. For the 3000 °R to 5000 °R propellant
temperature range evaluated (fixed heat fnput) for the heat exchanger

cavity absorber/thruster, the influence of delivered specific inmpulse and

[
[=2
«
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thrust were determined. For ammonia as a propellant the delivered specific
impulse varied from 330 to 440 1b, sec/lbm with thrust levels of 90 to

140 lbf. As expected, hydrogen achieved significantly higher delivered
specific impulses (650 to 880 lbf sec/lbm) and lower thrust levels (40 to
80 lbf) as compared to ammonia.

A heat exchanger cavity absorber/thruster configuration with hydrogen at
S5000°R (highest performance) is shown in Figure 58. Bach absorber consists
of a reflector cone (Winston Horn) with a 7.2-inch diameter inlet, an

8-inch diameter sphere to dissipate the reflector cone magnified heat flux,
and a 36-inch diameter annular disc absorber. This sphere/horn/disc
sbsorber configuration achieved a 71-percent overall efficiency. The single
thruster at a chamber pressure of 50 psia delivered a specific impulse of
872 1bg sec/lbm and 44 1b. thrust. As shown in Figure 28 the thruster has an
0.826-inch throat diameter, a 12.58-inch nozzle length and 8.26-inch exit
diameter. The nozzle exit was placed at the same plane as the edge of the
flat disc to prevent plume impingement on the disc absorber.

The two thruster-two absorber confguration (Figure 59) at the same conditions
achieved a delivered specific impulse of 861 lbf
43 1b_.. The l.3-percent lower specific impulse was primarily the result of

f
an increased boundary layer loss due to the smaller chamber size. Using

sec/lb and a thrust of

these results, the two thruster concept parfortuincs could be scaled from
that of the one thruster comcept by: '

b¢ = 0,987
S2-thruster $)-thruster

= 0.977 Pl

I“Z-thmst;er ~thruster

The influence of the collactor surface angulavr error on delivered specific
impulse 4s shown in Figure 60 for a ome thruster-two absorber configuertivs
using hydrogen at 5000 °R. The decrease in chamber size caused by 3 decressa
in propellant flow with increase in angular error resultad in a l-pepcent
dacrease in deliverad specific impulse frow 1/8 degose to 1/2 degree ervor.
The thrust decreased with an increase in zhe augular error due to the

decrease it heat absorvbaed.
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Estimates of the propellant pressure drop required to cool the heat
axchanger cavity absorber using hydrogen and ammonia is presented in
Figure 61. The ammonia pressure drop is highey than the hydrogen pressure
drop since ammonia is a poorér coolant and therefore requires a higher
coolant mass velocity to attain compsrable wall temperatures.

The estimated heat exchanger cavity sbsorber/thruster weight using the two
100-ft diameter collectors varied from 63 lb at 5000 °R propellant temper-
ature to 67 1lb at 3000 °R. The increased weight at the low propellant
temperature is due to the increase in thrust chamber size.

For the two thruster—two absorber configuration, a performance analysgis

vas performed for a thrust chamber at a chamber pressure of 20 psia for
hydrogen to determine the influence of chamber pregsure. A comparison of
the performance analysis results for 20 psia and 50 psia chamber pressures
is shown in Table 9. The lower chamber pressure resulted in a thrust
chamber approximately 1.5 times larger. For the same gas temperature

(5000R) and nozzle area ratio (100-to-~1), the lower chamber pressure has a
2.6 percent higher theoretical vacuum specific impulse. This is due to the
increase in the amount of dissoclated hydrogen at the lower chamber pressure.

The two~dimensional (geometric) nozzle efficiencies shown in Table 9 for

the two chamber pressures are slightly different as a result of gas

property variations. Typically, the reaction kinetic efficiency will
decrease with decrease in chamber pressure due to the increase in dissociated
species and increase with increase in chamber size. In this case (Table 9) ,
the chamber pressure effect dominated and the reaction kinetic efficiency
decreased for lower chamber pressure. The boundary layer loss increases
vith decrease in chamber pressure for a fixed chamber size. At a fixed
chamber pressure, the boundary layer will slightly increase with decrease

in chamber size. For the cases evalugted the chamber pressure was decreased
and the chamber size increased. The result was an increase in boundary
layer loss.
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The combined result as shown in Table 9 is a 1.3 precent lower delivered
vacuum specific impulse for the 20 psia chamber pressure. The gain in the
theoretical specific impulse for the lower chamber pressure became a
deficit due to an increase in the reaction kinetic and boundary layer
losses.

Particulate Absorber/Thruster

Using the optimistic absorber amalysis result for a one thruster—two
absorber configuration, the performance analysis for a 100-to-l area ratio,
90-percent length bell nozzles with two 100 ft diameter collectors was
performed. Hydrogen/carbon (10-percent) was used as the propellant. For
the 6000 °R to 8000 °R propellant temperature range evaluated, the variation
of delivered specific impulse and thrust were determined. As showm in
Figure 62, the delivered specific impulse varied from 940 lbf a=|e<:/1bm to
1100 lbf sec/lbm for the hydrogen/carbon propellant with a carbon mass
fraction of 0.1. The thrust decreased from 23.5 lbf to 9 lbf as the
propellant temperature was increased from 6000 to 8000 °R.

A particulate absorber/thruster configuration with hydrogen/carbon at
7000°R is presented in Figure 63. The absorber consists of a 6-inch radius
cylinder plus an annular disc. Hydrogen first cools the annular disc
absorber then splits to: (1) cool the solid window and (2) cool the
thruster and absorber body. Once the absorber body is cooled, the hydrogen
enters a solid particle gas mixer and the hydrogen/carbon mixture is
injected downstream of the window. The cylindrical particulate absorber/
disz configuration achieved a 5l-percent overall efficiency using the
optimistic absorber analysis approach. The single thrustar at a chamber
pressure of 50 psia resulted {n a delivered specific impulse of 1041 lbf
sec/lba and thrust of 14 lbf. The conservative absorber analysis approach

would result in the same thruster performance but would vequire a latger '

collector surface ares to achieve the same heat input absorbed by the s&softeriv

thruster.
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L

CONCLUSIONS AND RECOMMENDATIONS

Eased cn theoretical chemical equilibrium performance data generated
during the pvogram, hydrogen (Hz) provided the maximum vacuum specific
impulse potential and hydraziane (NZHQ) the lowest. For the particulate
absorber/c!. ;uster, submicron carbon particles provided a highly efficient
solar radiazion abscrpiion media and a low molecular weight particulate
which would minimize the specific impulse degradation of hydrogen.

The heat exchanger cavity absorber/thruster achieved absorber efficiencies
of 70 to 80-percent and was determined to be capable of delivering vacuum
specific impulses of 650 to 880 lbf sec/lbm with hydrogen (Hz) and 330 to
440 lbf sec/lbm with ammonia (NH3) for propellant temperatures of 3000 to
5000 °R. At these high gas temperatures, the conccpt requires a high
temperature refractory metal (tungsten or tungsten alloys) for the absorber
and thruster walls. A maximum temperature of 5000 °R was chosen as the
wall temperaturs limit. The particulate absorber/thruster presented a
complex analytical flow-heat transfer problem. Simplified analysis

appror “es rasulted in a factor of two variation in absorber efficiency
which for a fixed absorber heat input does not alter thruster performance
but chinges the required collector surface area. The particulate absorber/
thruster rusulted in delivered vacuum specific impulses of 900 to 1100 lbf
sec/lbm with hydrogea/carboa at temperatures of 6000 to 8000 °R.

Recommendations for further absorber/thruster work include:

1. Experimental/analytical verification of hydrogen cooling
capability at dissoclated propellant temperatures.

2. Invostlgation of applicable fabrication techniques using

raefractory metals.

3. TFor the particulate absorber/thruster:
(a) Detailed evaluation of the absoroer analysis method
(b) Particulate absorber flow pattern evaluation

(c¢) Gas/solid particle mixer for space operation
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4, Propulsion System
(a) Pump versus pressure-fed; use of solar driven
pumps
(b) Use of propellant boiloff
(c) Absorber/thruster mission operation as related to

burn and coast periods with collector defocusing.
All these recommendations lead to a demonstrator absorber/thruster program

with anglysis, design, fabrication, and test to experimentally verify the

solar rocket concept.
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60 ORBIT MECHANICS

Mission velocity requirements as a function of vehicle thrust-to-weight
ratio and orbit transfer techniques are analyzed in the section. Stabiliza-
tion and attitude control requirements that will be imposed on the spacecraft
systems for the baseline mission are established.

Alternate missions that would be feasible with the Solar Rocket are
identified.

MISSTION RZQUIREMENTS

The principal characteristic mission requirements of a low thrust-to-
weight orbital transfer vehicle are the mission velocity and trip time.
Baseline Mission

Transfer from a low altitude (160 - 220 n.mi) orbit inclined at 28.5

degrees to the equator to a Clarke (geosynchronous equatorial orbit is the
baseline mission to be used for the Solar Rocket performance analysis.

Depending on the thrust-to-weight ratio of the orbit transfer vehicle,
the transfer maneuvers can be generally divided into three distinct types.
These three types of transfer maneuvers are pictorially illustrated in
Figure 64. The mission velocity requirements range from a low of 14,000 fps
to a high of 19,200 fps depending oa the vehicle thrust-tu-weight ratio of the
orbit transfer vehicle (Figure 65),

The classical two-impulse transfer, with one impulse at perigee and
the second impulse at apogee is commonly associated with transfer vehicles
having a thrust-to~-weight ratio considerably above 0.l1. The wission veloecity
for such a vehicle corresponds to approximately 14,000 fps and a trip time
of 5.27 hours.,

Lower thrust-to-weight vehicles may also fall into this two impulse
transfer category as loung as the corresponding burntime is generally shorter

than the transfer time and the transfer trajectory still resembles an ellipse.,

The corrvesponding mission velocity would be considerably highevr, aad the trip
time, although also increasing, would still be generally less than a day.
On the other end of the orbital transfer spectrum is the transfer maneuver

associated with vehicles having thrust-to-weight ratios below 0.00l. Thesu
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LEO-TO-GEQ ORBIT TRANSFER PROPULSION

. {ONE WAY)
22,000
70.0 100 50
20,000 P 1 1 20
1.0 TRAVEL TIME (DAYS)

L 05 ~
S 18,000 p—
>
-

16,000 ~ ETR LAUNCH

28.59 PLANE CHANGE
14,000 L L L
104 103 102 10'! 100

THRUST-TO-WEIGNT RATIO

Figure 65. Mission Velocity Requirements - Continuous Burn Spiral

classical, extremely low thrust-to-weight orbit transfers are characterized

by a continuous burn spiral trajectory. Although this type of trajectory
represents the shortest trip time for low thrust-to-weight propulsion systems,
it also demands the greatest energy expenditure. The mission velocity in

this regime is 19,200 fps and the value remains essentially independent of
vehicle thrust-to-weight ratio. The burntime equals the transfer time and as
a first approximation it can be obtained by the following relationship

- R\ a 596.76 (seconds)
(T/H)Avs (T/W)Av

where (‘I‘/k’)Av is the average thrust-to-weight ratio for the mission. The

trip time corresponding to the expected thrust-to-weight regime for the Solar
Rocket is shown in Figure 66.

This trip time approximation does not take into account the time spent
in Barth ghadow with zero thrust. In previous studies (SEPS, etc.), it was
found that the inclusion of the time spent traversing the Earth shadow results
in a trip-time increase of approximately 10X at no increase in propellant

expended.
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AVERAGE THRUST-TO-WEIGHT RATIO (10°%)

Figure 66. Minimum Flight Time - Comtinuous Burn Spiral Transfer

Qualitatively the shadowing effect can be illustrated by considering the
maximum percentage of one orbital revolution that cz2a be expected to be in
Earth shadow (Figure 67 ) as a function of orbit altitude. In low orbit
the percentage can be as high as 43%, while at geosynchronous altitude it
is only 5. With 50% of the spiral transfer being at altitudes greater than
4000 n.mi, it is reasonable to assume that approximately only 10% of the
flight will be spent in Earth shadow. This would increase the minimum trip
times shown by about 10%.

A viable alternmative to the classical continuous burn spiral transfer
method is to perform the burmns only iw the vicinity of perigee and/or apogee.

128



25
Ry 3
2 2
e of [
v <
£ a
8 5 9
i Q
X
j v
< y4
% 10 +— 3;
0 9
25 O
- |
Z |
v |
g S |
: (1000 Km)
5 20 30 I 4o 50
| | | ] | |
0 - T
0 10 20 30

ORBIT ALTITUDE (1000 NMI)
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Theoretically, with an infinite number of such impulses, it should be

possible to reduce the required mission velocity to that attained from

purely impulsive burns. However, the flight time to achieve mission objectives
would also be increased.

A Rockwell International-developed Geosynchronous Trajectory Optimization
Program (GEOTOP) was used to investigate the multiple-burn, low thrust-to-
weight transfer trajectories. With this program, it is possible to optimize
the duration and sequencing of the perigee and/or apogee burn arcs to minimize
the mission AV as a function of total trip time. It is feasible to use the
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program in its high-speed orbit-averaging mode for most of the analysis,
and only resort tc the precision integration mode only when very detailed
time histories are needed.

The relationship between the mission AV and corresponding trip time
obtained by optimizing the multiburn transfer is illustrated in Figure 68
The example illustrated is for an initial thrust-to-weight of 0.3 x 10'3 g's

%— = 2?000 and two representative specific impulse values (872 and

1041 sec). Thus, for example, by extending the transfer from 14 days to 30

days, the mission AV can be reduced from 19,200 fps to 16,500 fps (Isp = 872 sec).
These trip time increases should, however, be considered in relationmship

to the 180 + day trip times that are characteristic of the Solar Electric Ion
Propulsion Systems.

The increase in the number of revolutions for the spiral ascent as the
trip time is increased as the result of multi-impulse transfer technique is
illustrated in Figure 69. The number of revolutions strongly affect the
number of maneuvers required to maintain proper solar alignment. The pitch
and roll angle histories are shown in Figures 70 and 71 respectively as a
function of the fraction of an orbital revolution. Of particular concern
are the "snmap roll" maneuvers that would have to be performed twice per
revolution when the sun vector is nearly coplanar with the orbit plane
(R is small). Increasing the number of revolutions during the ascent mission
results in a direct increase of propellant expended to perform these maneuvers.

The number of burn arcs for the mission also impose a design requirement,
since the main thrusters will have to go through a number of start and shutdown
cycles as a function of trip time (Figure 69).

Some of the pertinent transfer parameters for the 30 day multiple burn
trajectory are presented in Figures 72 through 77. The sequence of the
burn arcs starts vith a number of "perigee" burns (Figure 72). These power-on
arcs extend for more than half of the ellipse. Subsequently, a combination
of perigee and apogee burns increases the altitude so that one of the apogees
is nearly at mission altitude. Finally, a sequence of apogee burns circularizes
the orbit. For the 30 day mission the number of revolutions in the spiral is
182 with 196 burn arcs. The larger number of burn arcs represent the revolu-

tions in the spiral when both apogee and perigee impulses were utilized.
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Figure 72. Nultiple Impulse 30 Day Transfer Representative Ellipses
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The effect on the other parameters of this type of transfer trajectory
. are seen in Figures 73 and 77. Of particular interest is the nearly fixed
inclination flight during nearly two thirds of the trajectory, followed by a
rapid change in inclination as apogee burns become dominating.

The thrust attitude history during representative burn arcs is shown in
Figures 76 and 77. Consistent with the inclination time history the yaw
steering ig minimal for the perigee burns and increases considerably for the
apogee burns during the later phases in the mission. Pitch steering remains
consistently within + 30 degrees throughout the flight. Limiting pitch
steering to lower values, closer to tangential thrusting, at the expense of
longer trip time remains a viable option.

The relationship of mission velocity, initial thrust~to-weight ratio,
and trip time for multi impulse transfer is illustrated in Figure 78.

For each initial thrust-to-weight the mission velocity corresponding to the
respective minimum flight time remains unchanged at 19,200 fps. This flight
wode corresponds to the continuous burn transfer trajectory.

The slope of the mission velocity with respect to the multi-impulse trip
time becomes gentler as the initial thrust-to-weight ratio is decreased. The
trip time thus increases more rapidly for the lower thrust-to-weight ratios.
This is one of the reasons why for the usually lower thrust-to-weight ratio
Solar Electric Ion Propulsion Systems the multi burn transfer technique has
not been seriously counsidered. The higher thrust Solar Rocket system, however,
ideally lends itself to the exploitation of the multi-impulse orbital transfer
technique.

Upon close inspection of the data presented in Figure 78, the mission
velocity -= trip time relationship can be generalized for a range of thrust-
to-waight ratios. This is illustrated in Figure 79 . Here the mission
velocity is expressed as a function of the ratio of the flight time to the
minioun flight time. The minimum flight time, corresponding to a continuous
burn spiral, and can be easily expressed as a function of the average thrust-to-
weight ratio (Figure 66) or related to the ilnitial thrust-to-~weight ratio.
The mission velocity trip time relatiouship for multi burn transfers thus
may be obtained for all thrust-to-weight ratio values of interest for the

Solar Rocket Systeo.
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2 (28.5 DEG PLANE CHANGE)
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L 1o | | | ]
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Figure 79. Generalized Mission Velocity Requirements -
{fuliiple Impulse Transfer

Lower thrust-to-weight (< 0.05) chemical orbit transfer vehicles also may
benefit from the multi-impulse technique. This is illustrated in Figure 80
for three values of thrust for which the single perigee and single apogee

burn technique would result in mission velocity requirement from 15,350 £ps to
16,600 fps. A transfer consisting of eight perigee burns and a single apogee
burn would reduce the mission velocity requirement to less than 14,420 fps.
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Alternate Missions
Paragraph 4.5.2 of the SOW requires that other missions for the solar

thermal rocket be identified. A number of Rockwell International in house
studies were used as sources of some of the alternative missions. In additionm,
NASA JPL and Batelle Institute provided a number of potential mission descrip-
tions that could be performed by the Solar Rocket.

The use of very low thrust-to=-weight propulsion systems for other than
LEO to GEO transfer were briefly analyzed. Of particular interest are the
transfers from the low altitude (160 n.mi) parking orbit to orbits of

higher altitudes. Plane change may or may not be required for such missions.
For these missions, the Edlebaum approximation for the low thrust-to-

weight characteristic mission velocity was used for the AV data illustrated
in Figure 81,

The relationship

AV = VQ2 -ZVVOcoa + Al + V2
gives the characteristic velocity directly in terms of the initial and final
orbit velocities and the change in inclination. In its derivation, it is
assumed that all intermediate orbits remain quasi-circular and that the
thrust angle is held constant over each revolution. This is a characteristic
of trajectories with thrust-to-weight ratios of less than 10-3.

The transfer velocity for various inclination changes is presented as

a function of final orbit altitude in the computer generated Figure 81.
The initial orbit altitude was held comstant at 150 n.ni. Information for
AV 20,000 fps was not presented since it is believed that such velocity
requirements would be outside the range of interest for propulsion systems
other than those in the solar electric ion bombardment category. Such an
upper velocity bound would limit orbit plane changes to slightly greater

than 30 degrees. However, any change in altitude can be accommodated.

In order to estimate the trip times for these missions, average accelera-
tion/trip time velationship was also included in the above figure. The trip
time corresponds to that attained by using a continuous burn spiral for the
transfer. As noted for LEO to GEO transfer, the velocity requirement can be
reduced at the cos: of extended trip time. Similar velocity reduction can

also be achieved for all orbit transfer missions.
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A series of Rockwell International in-house as well as contractual
studies provided an insight of other potential missions for the Solar Rocket.
Table 10 identifies some discrete high velocity missions that have been
analyzed for other low thrust-to-weight orbit transfer vehicles. They are
indicative of the type of orbit transfer missions that could be applicable
for the Solar Rocket Propulsion System. Of particular interest could be the
geosynchronous de-orbit missions for satellite removal operations. The mission
velocity for this class of orbital transfer is illustrated in Figure 82,
as a function of final orbit characteristics (apogee altitude and relative
inclination). For example the missiom velocity for a single in-plane de-orbit
operations would be approximately 7000 fps.

Precision orbit maintenance or special orbit positioning missions can
be performed by the Solar Rocket. Orbit maintenance can be performed either
by a number of discrete impulses or by continuous thrust. For the later
technique usually extremely low accelerations have to be used. Orbit positioning
missions, however, may require much higher thrust-to-weight ratios. For example,
as illustrated in Figure 83 for three elliptical orbits, the repositioning

of the line of apsides could be readily performed by the Solar Rocket.

Table 10. Alternate Mission Options
INITIAL ORBIT FINAL ORBIT Continuous Burn
Altitude | Inclination | Altitude Inclination st?;gg)Av
(NMI) (DEG) (NMI) (DEG)
160 CIRC 28.5 GEOSYNC Q 19,200
GEQSYINC V] GEQSINC 50 24,890%
18,615%%

GEOSYNC 0 700 x 21100 63.4 27,630
GEOSYNC 0 160 CIRC 28.5 19,200
160 CIRC 28.5 700 x 21100 63.4 22,425

% Constant Altitude Transfer
% QOptimized Transfer
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ORBIT CHARACTERISTICS

PERIOD - PERIGEE ALTITUDE
ECCENTRICITY
(HR) KM (NMI)
A 24 0.5 14,705 (7940)
B 24 0.818 1296 (700)
C 12 0.7112 12¥6 (700)

—

APSIDAL PRECESSION (DEG/REV)

l { | | l |
J l 2 3 4 5 6

HORIZONTAL ACCELERATION (1070 g's)

Figure 83. Apsidal Precession Control
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The apsidal precession produced by thrusting is plotted here for the
case of horizontal acceleration, ie.e, normal to the radins vector aud in
the orbit plane. The thrust direction is reversed twice per orbit at
perigee and apogee. This requires either a snap-pitch or snap-yaw maneuver.
The former is preferred.

Radial acceleration to c-ercome apsidal precession does not require
reversal of the thrust vector. The acceleration to null a given procession
rate, however, is approximately twice that needed with horizomtal acceleratior.

To evaluate the applicability of the Solar Rocket Concept for other
than geocentric missions, a number of reoresentative high energy (4V)/payload
combinations have been selected (Table 11).These include JPL analyzed
interplanetary vehicles as well as a nuclear waste disposal concept. The
impul.ive high thrust-to-weight vehicle mission velocity shown is usually
that required to inject the payload on its transfer trajectory to the target.
It does not include the velocity to perform the planetary capture maneuvers.
Likewise, the payload is that package that would perform the end of the
mission maneuvers plus the scieatific payload.

The only exception to this being the nuclear waste disposal concept.
Here all the velocities required to place the payload (nuclear waste plus
shielding) into a 0.86 AU sun=-ceatered circulsr orbit is given.

For low thrust-to-weight vehicles these mission velocities would be

35% - 40% higher.

Table l1. Alcernate l4ission felecicy Requ*re*en:q

IMPULSIVE | MIssIon
&% PAYLOAD

HISSION ¢FPS) (LB)
HALLEY FLYBY TEMPEL 2 RENUEZIVOUS | 15,600 2020
VENUS ORBITAL IMAGLSG BADAR 11,750 1980

MERCUSY ORBITER 16,500 |1200-2700
SOLAR PROBE 25,500 1670
WUCLEAR WASTE DISFOSAL 16,050 6760
LED TC GEQ 14,600 —
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STABILIZATION AND CONTROL

A summary assessment of a stabilization and control system was made to
determine the requirements for offsetting disturbance torques and for generating
maneuvers for proper solar collector pointing.

A representative vehicle configuration was selected for control system
analysis. This is shown on Figure 84. This configuration has the following
features:

¢ Weight = 36000 1b

o I = 926,200 slug-ft? .

. Iyy = 1,143,050 slug-gt

o Izz = 335,600 slug-ft

® The largest avea which one collector can present to the airstream is

78,340 sq. ft.

Where trajectory data are required, it is assumed that the vehicle starts
at 220 nmi altitude and takes 30 days and 200 orbits to get to geosymnchronous
altitude.

Disturbance Torques

For all low thrust-to--weight propulsion systems the relative magnitude
of aerodynamic drag with respect to the thrust produced at low orbital
altitudes is of major concern. For the Solar Rocket the influence of drag
on the trajectory is negligible. As illustrated in Figure Aas, the drag
force at 160 n.mi. is buc a small fraction of the estimated thrust of the
solar rocket. It should be noted that the dcag force decreases rapidly with
altitude. For exampl:, an order of magnitude decrease is realized by just
increasing the altitude from 160 n.mi. to 225 n.mi.

The significant disturbance torques are aerodynamic and gravity gradient
torquas. Solar pressure torques are assumed to be negligible due to the
symmetry of the collectors about the sun line. Aerodynamic torque was computed
for an angle of attack of 25 deg. in the X-Z plane. (See Figure 84)

The average torque as & function of time is shown on Figure §6.
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ESTIMATED TOTAL ACHIEVABLE THRUST
USING HYDROGEN PROPELLANT °
TEMPERATURE = 5000°R, SURFACE ERROR =

0.25%)
10
of
K4
s.
0
S 4
L4
2
<
2
a
- —— -..‘._3.1):;54#.—‘.—1 . ‘T ,.,__. : e
1.4 Iff;?Tlfﬁf'f massREvaasauny ind vl henas
.0 AT T I T o o T arm
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SINGLE CONCENTRATOR CIAMETER - FT

Figure 85. Maximum Drag Force on Two Concentrators (Altitude = 160 NMI)

The maximum gravity gradient torqeas, for the moments of inertia presented
aobve, at 220 a.mi alcinud% are:

(3

T = 0.25 ft - lbs
;0'27 )

and at geosynchronous altitude are!

[ 0.0032]
T = {0.0033] #& - 1bs

G.0012
3 -
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A constant application of control torque will be required during the
transfer orbit to react againsk the disturbance torques. As the main thrusters
are not always on, a reaction control system is required. Because of the large
moments of inertia of the vehicle, it is desirable to locate the reaction
control system jets as far from the center of rotation as posgssible in order
to reduce propellant consumption. The consumption as a function of radial
location of the jets is shown on Table 12 assuming a hydrazine system,

The radial location of 281 ft assumes jets located at the tips of the
collectors; the 50 and 100 ft locations are intermediate locations. These
are impractical because the collector structure would not support the loads.
The practical location is for jets installed on the main body of the spacecraft,
a 7.5 ft radial location. Such an installation is shown on Figure 87,

Steering Policies

When the component in the orbit plane of the angle between the vector
normal to the solar collector and the roll axis of the vehicle passes near
zero, a 180 degree roll is required to maintain accurate solar collector and
thrust vector pointing. The optimum steering policy, optimum in the sense of
zero error in collector and thrust vector pointing, requires a 180 degree snap
roll., Definition and analysis of this policy requires roll attitude history
data in order to determine torque requirements. As these data were not available
sub-optimal steering policies, sub-optimal in the sense that collector pointing

accuracy is not determined, were studied.

Table 12. Attitude Control Propellant Estimates

RADIAL LOCATION PROPELLANT CONSUMPTION
Or JETS, FT. FOR AERO. FOR GRAV.

TORQUES GRAD. TORQUES SUM

(LBS) (LBS) (LB)
281. 2.1 4.2 6.3

100. 6. 12.. 18.

50. 12. 24, 36.

7.5 50. 160. 240,
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Steering Using a Reaction Control System

A sub-optimal steering policy would include a constant thrust to rotate
the vehicle 90 deg. and then an immediately applied constant thrust in the
apposite direction for 90 deg. to complete a 180 deg. rotation in minimum time.
Assuming, for the representative configuration shown on Figure 84 and a
specific impulse of 230 sec., the time to roll 180 deg. and the amount of
propellant used are shown on Figure 88 as functions of the radial location
of the jets and the thrust per jet. If the jets are located at the tips of
the collectors, in this case 281 ft. a savings in fuel can be realized. Total
congumption must take into account the number of orbits and the number of
maneuvers per orbit. Assuming two maneuvers per orbit and 200 orbits for the
trip, two one lb thrusters located on the main body, 7.5 ft. radius, would
consume 3060 lbs of hydrazine. For 281 ft. radius, the consumption is 500 1bs.

A second sub-optimal steering policy would decrease propellant consumption
at the expense of longer maneuver times by incorporating a coast pericd
between the accaleration and deceleration period. The propellant consumption
per roll maneuver 1s shown on Figure 89 versus maneuver time and coast
time. For the above example with jets at a 7.5 ft. radius, 1192 lbs of
hydrazine would be consumed if a 16 minute coast time were incorporated.

This compares with 3060 lbs for zero coast.

Steering Using Gimbaled Main Thrusters

Using an RCS system for generating control torques requires a large
amount of propellant. It is therefore desirable to gimbal the main thrusters
to generate control torques. Gimbal angle freedom or control authority must
be sufficient to balance a center of gravity offset in the yaw plane due to
gimbaled collectors and at the same time, to generate roll and pitch torques.

For a collector rotation about the z axis of 90 deg. (See Figure 84.)
and assuming the collector center of gravity is 100 ft from the xz2 plane and
the main body center of gravity is 25 ft from the thrusters, the gimbal angle
required is 18 deg. Each of the two thrusters would gimbal relative to this
to produce roll torques. Figure 90 gives the gimbal angle vequirement as
a function of time to roll 180 deg. assuming the two thrusters are 10 ft
apart., If, for example, the gimbal requirement for center of gravity balancing
and yaw acceleration is 8 = 20 deg, the required time for rolling 180 deg.

is ten minutes, ead the third axis or pitch acceleration is ignoved, thea
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Figure 88. Propellant Used Per Maneuver Versus Maneuver Time

one thruster is gimbaled @ + a = 20 + 44 = 64 deg. and the other is gimbaled
O ~a =20 -44 = -22 deg. In order to generate a pitch acceleration another
component of gimbal angle would be required and would be normal to the plane
containing a and O.

The time to complete the maneuver must be compared to the time requirements
for accurate solar collector pointing in order to validate the control authority.
As before, this requires roll attitude history data.
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Figure 90. Gimbal Angle Versus Maneuver Time
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Baseline Component Identification and Pointing Accuracy Budget

A baseline component identification is shown on Figure 91. This
shows a flight computer and interface electronics as the central element of
the system through which the remaining components relate to each other and
derive their control. The main thruster gimbal drive positions the thrust
line of action through the vehicle center of gravity. The collector gimbal
drive orients the collectors to the sun. The reaction control system generates
torque for altitude changes and to balance disturbance torques. A two-axis
sun snesor and two star trackers would provide data to orient the collectors
and update the inertial measurement unit, IMU. Tracking data for navigation,
telemetry data to and from the vehicle, and commands are processed through the
tracking, telemetry, and command, TT&C, component.

A pointing accuracy error budget is shown on Table 13. The budgets
for altitude determination and control dynamics are reasonably obtainable
values for steady state operation, i.e., maneuver dynamics are not included.
The budget for structural and thermal deformation is based on a total pointing

accuracy of 0.100 degrees.

Table 13. Pointing Accuracy Error Budget

ERROR SOURCE REMARKS/BASIS BUDGET (DEG.)
Attitude Stellar Aided Inertial System +01 Deg.
Determination

Control Dynamics Function of Disturbance Levels .05 Deg.

and Control Bandwidth

Structural
Deformation
Function of Configuration, Structure 086 Deg.
Thermal Design, and Induced Loads
Deformation
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7.0 SPACECRAFT DESIGN

DESIGN CRITERIA

The Solar Rocket Systen (SRS) propellant tankage and useful payload are
assumed to be a single integrated system capable of being launched into
Low Earth Orbit (LEQO) by Shuttle. Some of the major criteria used for

sample system designs include the following:

e Space Shuttle System Payload accommodations, Level II Program
Definition and Requirements, Vol. XIV, 3 July 1974 defines launch
requirements.

e The representative payload is assumed to be the FLTSATCOM satellite
with the apogee kick motor removed.

e Solar collector system to be capable of automatic deployment, being
focused and defocused for intermittent or continuous propulsion,
acquiring and maintaining accuracy sun pointing, protecting the
payload and LHZ propellant tankage from heat damage.

e Rocket engine thrust vector to have complete freedom of orientation
in inertial space.

e Maximum rocket chamber pressure of 50 psia.

o Propellant tankage shall be designed to survive Shuttle emergency
landing criteria using solar/electric powered pump feed system of
low NPSH* ({.e., LHp ullage pressure at optimum value). Tankage
shall be insulated and protected from micrometeor damage 35 required
to complete assigned missions.

® Solar collector mass and solar pressure ceantroids should be

coincident with rocket engine thrust vezgor.

USABLE SPACE SHUTTLE CARGD BAY LENGTH
The propellaat volume available is a direct function of the portien of
the Space Shuttle cargo bay available for tankage. Although the cargo bay

has a nominal lungth of 60 ft., the Shuttle veru.7:s csrtain length

*Net poutive wetiea head
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allocations. Based on these faclors, the overall length of the cargo bay
available to the solar rocket system is 56.0 ft. This value was used in
the preparation of the material presented in Section 8, Parametric Vehicle
Syathesis. The rationale behind this selection is based on material found
in NASA "Volume 14," parts of which are reproduced below.

"9.5 Reserved EVA Envelupe Requirements. Shuttle/Orbiter EVA
and rescue requirements dictate that pertion of the payload
anvelope be reserved for EVA* usage, as indicaced in Figure 92,
Clarifications to these envelopes are as follows:
a. For the inside airlock configuration (area 1l-aA,

Figure 92), the first 48 inches of the cargo

bay is required to be ciear for EVA access and

operation. Payloads which are located :n this

area must bYe removable or jettisonable, so that

this envelope is available prior to committing

to an EVA."

Figure 93. Reserved Euveicpes for Forward Cargo Bay Area
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As indicated above, a 56.0 ft. cargo bay limitation has been assumed
for the solar rocket study. As operational experience with the Shuttle is
accumulated, it is expected that changes in the usability guidelines will
asccur. Future solar rocket gtudies should monitor these Jevelopments with
the objective of gaining additional tankage length. For a tank 14.5 ft. in
diameter, a 1 ft. increase in the length of the cylindrical section of the
tank permits an additional 693 lbs (ullage vol. incl.) of hydrogen to be
carried.

A second length constraint is indicated in Figure 93, the c.g./length
constraints of the 3huttle. Figure 93 was reproduced from Rockwell
document SV79-10, Space Shuttle-Systems Capabilities and Constraints,

Feb. 1979.

The center of gravity (c.g.) of all payloads carried in the Shuttle
cargo must fall within the cross hatched area of Figure 93 . It has
been determined that the c.g. requirement is satisfied for all configura-
tions utilizing the 40 ft hydrogen tank. For the high payload cases
requiring multiple Shutcle launche$, the c.g. for each launch must be

checked for compliance with the Figure 93 criteria.

SHUTTLE LAUNCH ANALYSIS

Design criteria for a Shuttle launched sclar powered rocket boosted/
payload system into low earth orbit (LEO) is dominated by the Shutcle
emergency landing criteria. Load factors are presented in Table 14.

Sign convention fullows that of the Orbiter coordinate system in
Figure 94,

Emergency landing load factors are ultimate. The longitudinai load
factors are directed in all aftward azimuths within a cone of 20 degrees
half-angle. The specified load factors shall operate separataly.

For cargo weight between BQ\Klb and 65 Klb, use a linear intarpolation

between che load factors given.
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Table 14, Emergency Laanding Design Load Factors

Load Factor Load Factor
65 Klp (29484 kg) Up 65 K1lb (29484 kg) Down
32 Klb (14515 kg) Down

CONDITICN b ¢ 3 Z X Y Z

Emerqency landing§ +4.5 +1.50 | +4.5 +4.50 | +0.738| +2.215
(Outside Crew -1.5 -1.50 ~-2.0 -0.738] -0.738} -0.985

Compartment)

Emergency Llanding] +20.0 +3.3 +10.0
(Inside Crew -3.3 -3.3 ~4.4 — — —
Conpartment)

Figure 94. Sign Conveation for Carge Limit-Load
Factors/angular Accelerations

Figure 9% shows a FLTSATCOM and the selar roecket system ian a "normal”

method of installation on pallets in a Shuttle launch vehicle. As shown,

the FLTSATCOM pavload is cantelever attached to the LH, tapk. The tank is
then 5 polnt (redundant) mounted to Shuttle. Figure 96 shows the lg loads

dlagraw,
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Figure 95. Selar Rucket and FLTSAICOM Installed in the Cargo Bay
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p———— 4,28 .67 FT)—
FLTSATCOM (REF) (35 ]

‘ _Lmea_ 57,78 /g b 4 |

#SRS WEIGHT LESS TANKAGE AND PAYLOAD

Figure 96. 1lg Load Diagram
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‘ ‘ \YI‘.
: —_ . Hy 180 (15 ¢T)
C N ’ /‘
‘‘‘‘ I
§ 70— [ 174 (14.5 FT) DIA
3 2070 LB LH, TANK
- o484 (40.3 FT)———
3 Re = 15,306. L8 (40.3 Rg = 16,416. L8
,E:
\3
§
;"

Shear and moment diagrams for Nz = 4.5g emergency landing case are
shown in Figures 97 and 98 respectively. A maximum moment of (=)
7,330,100 in-lb is located in X = 317 inch aft of FLTSATCOM MASS CENTROID.

During emergency Janding, the LHz tank will be subjected to the above

]
’ bending moment plus internal pressure.
For a c¢ylinder under pressure, the hoop stress is,
. 3 PR - .
N g * ¢ 0 and the longitudinal stress is,
B —\ N 3 -
N PR . : g i
\\ 3 3, % 3po which permits a bendinyg stress of
\ 1 - -
MR PR .
dy s = = o bu liad.
SR 2t appit

Internal pressure increases the elaseic buckiing allowablie of an
unstiffened eylinder design.

Uesign allowables for 2319-186 aluminum which is useful tor LH,

CrYORenic tankage is,
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g 0 -
(N) TY (=420°F) 68,000: PSI (TENSION)

N R
The simultaneous solution of the following equations is required to find

(g) (Cb + ACb)E (5) (Compressionk)
cr

the optimum pressure in the LI-I2 tank,

(a) (3, +9y) (TENSILE YIELD) = 68,000. PST (-420°F)

B) (-UM + o¢) (BUCKLING) = (Cb + Acb) E (%)

Since the solution of equations (A) and (B) is non-linearycurves of
C, vs. (R/T), Figure 99 4 and ¢ % ‘% % Figure 1004 from Rockwell

Structures manual are included. Iterative solution produces the following

vs.
results for pump-fed rocket system.

(A) (OM + 00) = 68,000. PSI (tensiom)

M
Iy ® 37,630. PSI

(8) (-, + 09) = (~) 7,350. PSI (compression)

J. = 30,370. PSI
¢

t (shell thickness) = .0084 in.
P (internal pressure) = 5.878 Psig

For a pressure fed vocket system where the rocket chamber is 50 PSIa,

Jan ostimated 5 PST system pressure drop requires that the Lﬂz tank shell

thickness becomas:

P {Factor of Safety) R

] 2 C .
1 3 e
y 5
g 55 11.5) 37 X
‘ ' 4 63.000 -1056 1in.
°;n rRockwall Strouctures Manual
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The above analysis estimatfs the LHZ tank agesign criteria. If a
pressure fed rocket system is used, then pressure becomes the design driver.
If a pump fed rocket system is used, the emergency landing constraints of
Space Shuttle become the design driver.

HMAJOR DESIGN CONSIDERATIONS

The long propulsive periods of the SRS requires that propellant tanks
be protected against micrometeorites and superinsulated to minimize boiloff.
Figure 101 shows a possible method for payload mounting to an LHZ tank
that utilizes insulation as a micrometeorite protection. Structural attach-
ment of FLTSATCOM as a payload and a forward trunion mounting to Shuttle
is also identified (FLTSATCOM has been used as a representative example of a
SAMSO spacecraft). Fiberglass struts, filled with aluminized plastic
microspheres are used to attach the trunion to the tank dome. The
aluminized plastic spheres significantly reduce internal-to-strut, end-to-

end radiant energy transfer.

COLLECTOR INTEGRATION

A basic requirement of the solar collector system is to maintain é(high
concentration of sunlight at thé engine absorber surface. The concentvation
ratio achieved affects the temperature and efficiency of the absorber and
consequently the size and mass of the collector system required for a given
engine thrust.

Section 4.0, "Collector Concept and Performance," descrives fully the
major critical design factors and types of collector concepts applicadle
to SRS design. Howevar, the design details of the off-axis, inflatable,
non-rigidized coilector is susmarized in this section.

The initial orff-axis collector desiga shown in Figure 22 utilises a
segment of @ parabolold with an optical angular symsetry of 45 degrees
about 3 lime in the latus vectum plane that passes through the Paraboloid
focus. Two membranes per collector are used. A transparent membrane aad
4 reflective metallized membrane are fastened together and inflated to fors

the paraboloidal weflecter.
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The inflated membranes are shapz=-stabilized by an elliptical toroidal
ring. Interior cross cabling (thread like ) helps to maintain the elliptical
shape. The elliptical boundary and pressure maintain the paraboioid reflector
shape. The reason that uniform internal pressure may sustain a paraboloidal
shape rather than a sphere is the presence of fixed boundary conditions for
the membrane, and a non-uniform film th;gkness. Fortunately, a cylinder of
light from the sun intercepts the paraboloid in a planar-ellipse and
subsequently reflects the light to the focal point bounded by a right
circular cone. Active figure control can be provided by adjustment of the
cross cabling and/or internal pressure. Relative alignment between the two
collectors can be accomplished by adjusting the mounting struts for one of
the collectors. The collector shown in Figure 22 is connected to the
collector gimbal ring located near the focal point with inflatable struts
that are reflective coated to minimize thermal damage during solar
acquisition. Note that the optical path penetrates the transparent
membrane twice. Reflected light has small grazing angles to the transparent
membrane which may produce total reflection losses over certain areas of
the beam.

Acquiring the sun with a deployed high concentration ratio (CR)
collector may prove to be the most difficult collector design problem. As
cthe collector scans towards the sun and the solar image approaches the SRS
absorber assembly, the high radiation intensity can destroy tankage insula-
cien, gimbal structure, collector attachment structure, etc. Figure 102
shows one method of how it may be possible to avoid solar image and
eliminate grazing reflection angles.

The paraboloid of revelution and rvight civcular cone sembranes ace
inflated, and stabiiize by an elliptical torus ac the plane of intersection.
The paraboloid is reflective coated and functions as a collector. The cone
is reflective ceated in all arcas that do net obscure the solar vrays as
shown in Figure 102. As the collector scans the sun, the reélected
canverging cone of light 1s intercepted before impiaging on the spacecraft
structure, and like an optical corner cube the lignt is reflected back out

the entrance dperture of the c¢ollector. The apex of the cene will raquive

retlective voatings o petform at over 9% efficiency to prevent solar heating
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damage near the absorber. The design of Figure 102 minimizes solar
tracking but unfortunately does ‘ot have mass or solar pressure balance at
all vectors of SRS engine thrust. Figure 103 {s a modification of the
principles embodied in Figure 102 wherein the mass and solar pressure
centroids are located on the mirror axis of rotation. The intersection

of the cone to the paraboloid is shifted toward the paraboloid apex until
area and mass balance are achieved.

Perigee/apogee burn sequences require some method of diverting or
refocusing the csilector to prevent energy from reaching the absorber that
heats the propellant. Alse, a movable reflector or iris may be located
several feet away from the absorber where out-of-focus rays are intercepted
and reflected to the collector surface and thence into deep space.

The parabolcid figure may have to be closely approximated by spherical
segments. Lf the true view ellipse of Figure 103 is subdivided iato an
array of circles of varying radii and each circle formed is sealed by a
transparent membrane, it would be possible to reproduce the paraboloid
closely (even in an ouptical sense). If, for each sphere formed, the ratio
of focal length to segment diameter is greater than 8 to 1, classical
optical quality of figure is obtained. The cone and spherical abberrvatian
of the sphere becomes insignificant and can be neglecred for ratios greatas

than 8.
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EXHAUST PLUME ANALYSIS

An analysis was performad to determine the plume impingement momentum
forces and convective heating rates in the free mulecular flow regime as
a result of operating the hydrogen thruster. The objective of the analysis
was to develop iso-pressure and iso-heating rate maps as a function of the
spatial distance from the thruster. From these maps, the user may approxi-
mate the impingement force and convective heat flux onto a surface (e.g.,
the solar concentrator) as a result of gas impingement. The purpose of this
section is to briefly state the assumptions and describe the method used
to present the plume flow field results.

ASSUMPTIONS

1. Free-molecular gas flow, i.e., the Knudsen number >10.

2. The gas streamlines originate from a point source and travel
in a straight line and radially outward, i.e., spherical source
flow model.

3. The point source (origin) is the intersection of the thruster
nozzle centerline and the thruster nozzle exit plane.

4, The exhaust plume mass flux distribution is the same as the
one presented in&eferénce 13.

5. The gas velocity is constant in the free moleculay flow regime.

6. {Ehe‘mass flux, momentum flux, and convective heating rate flux

' along a streamline attenuate as the square of the distance from
the point source.

7. Free molecular gas flow exists beyond a radius of five feet
from the origin.
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ANALYSIS

A.

Input Parameters

(1) The gas is hydrogen

(2)  Engine chamber pressure = 50 psia

(3)  Engine chamber temperature = 5000°R

(4) Engine thrust = 10 1bf

(5) Maximum specific impulse is 1255.3 lbf-sec/lbm
Determination of Fraec Molecular Flow Regime Thruster Exhaust Gas
Limiting Velocity

Vigm = V 28 T, 778 (1)

From reference 14, the specific heat at constant pressure (Cp) is
8.304 BTU/1bm-CR for shifting equilibrium and 4.345 BTU/1bm-°R
for frozen equilibrium for hydrogen at 50 psia and S000°R. A
specific heat value of 8.304 BTU/1bm-°R was selected to be
conservative in the impingement pressure and heat flux results.
Consequently,

Vi * V' 2(32.17) (8. 304) (5000) (778)

Vlim - 45588.9 ft/sec (13895.5 m/sec)

Determination of Thruster Mass Rate

k3 F 10 "3 1 ‘3
o *i;; - Tss 3 = 7.9664 x 10 ~ lbm/sec(3.6135 X 10

Kg/sec) (7

Free Molecular Exhaust Plume Mass Flux Distribution

From reference 1, the mass flux per steradian is:

dm

du D (3)
dQ

- rZPV = @

where D = ([A46 + A3J g + Az) 62 + Ao (4)
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The coefficients A were considered functions of chamber pressure
and the streamline aﬁgle, 6, measured from the nozzle centerline.
With the engine chamber pressure assymed to be 50 psia (3.4023
atmospheres) and a thruster flow rate of 7.9664 X l()'3 lbm/sec

(3.6135 X 10"3 Kg/sec), the resulting coefficients were:
a, = 1.123 fnr. - 6.0338 (5)
Ay = -1.715 [n P. - 12.69 (6)
Ay = 1.327 [n P+ 13.24 @)
4 = =0.23% [o P, - 4.201 (8)

For other mass flow rates, only the constant in the "A," term
changes. The constant is obtained by integrating equatiom (3)
from 0 to = radians and varying the A, constant until the desired
mass rate is obtained, i.e.,
" m

. dr Ja dn

oo J; (dﬂ) a0 A (dﬂ) 27 sinf d@ (9)
For example, & = 7.0565 X 107> lbm/sec (3.2008 X 107> Kg/sec)

at an engine chamber pressure of 50 psia (3.4023 atmospheres),
A, = 1.123 fo P - 6.1578 or A = -4.7827

E. Momentum Flux Determination
The momentum flux is another way of describing the total impinge-
ment pressure available to a surface. Thus:

P =PV =V, (10)

Equation 10 has no correction factor for true angle of incidence
(true gas streamlire impingement angle) or energy accommodation
coefficient. It is the correct form of impingement pressure on a
flat plate whose gsurface is normal to the streamline in question

and whose energy accommodation coefficient is unity. For infor-
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mation on gas streamline true impingement angle and accommodation

coefficients, refer to Refexence 13.

A map of curves of constant-momentum forces per unit area can be
generated as shown in Figure 104, With the use of Equatiom 10, the
product of impingement pressure (P) and the radius distance

squared (r2) can be obtained, i.e., Pr? = Vlim eD. Note that the
mass flux (Eq. 3) is in metric units (radians, atmospheres, and
Kg/sec) and the resulting force will be in Newtons per steradian

if the velocity is in meters/sec. Table 15 presents the values used
in the development of Figures 104 and 105. However, the parameters

were converted iato English units.

Table 15. Momentum and Energy Flux per Steradian

Streamline P r2 é r2

Angle (1bf Per (BTU per Steradian - sec)

(Degraes) Steradian)
10 20.3364 1191.6623
20 8,5984 503.8473
30 3.0952 181,3714
40 1,1872 69.5650
50 0.5494 32,1953
60 0.3144 18,4245
70 0.2063 12.0900
80 0.1303 ‘ 7.6331
%0 0.0601 3.5207

By selecting the desired impingement pressure, the distance from
the point source (see assumption Nao. 3) on the streamline will be
determined, thus:
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. and
: X = rcosb
f Y = raing
Example:
P = 1Xx10°° lbflft2 on the streamline where

6 « 40°

' - / 1,1872
LI P - . f t
"—'—'1 X 10-4 108.96 fee

and X = 108.96 cos 40° = £3.47 feet
Y = 108.96 sin 40° = 70.04 feet

The point gshould be 108.96 ft. from the origin on a line whose
angle i3 40 degrees from the nozzle centerline (x-axis), i.e.,
83.47 feet in the x-direction (along the nozzle centerline) and
70.04 feet in the y-direction (distance perpendicular to the nozzle
centerline). By repeating this process for different streamline
angles, a loci of points for P = 1 x 10”2 1bf/£t? will be
generated. Thus, the curve of constant pressure 1s generated.
The process is repeated for other impingement pressures.

F. Convective Heat Transfer
The heat flux onto a surface can be approximated by the total
energy available in the thruster exhaust plume:

: 3 2 el
G v - VR ( . ) - By, /778 an
The discussion in Section E about the true impingement angle and
energy accommodation coefficlent presented for the momentum flux
applies to the energy flux.

A map of curves of constant energy flux per unit area is showm in
Figure 105. The method used to develup Figure 105 is the same as

E Figure 104 (drz - vfim eD). From Table 15, obtain érz.

§

g Thus: VZ eD

13 r - -iig—- (12)
58 Q
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G. Nomenclature
Description

Term in mags flux Equation, (see Eq. 3)
Term in magss flux Equation, (see Eq. 6)
Term in mags flux Equation, (see Eq. 7)
Term in mass flux Equation, (see Eq. 8)
See Equation (4)

Specific heat at constant pressure

Force

Gravitational constant = 32,17

Specific impulse

Gas Mass Flow Rate

Gas Pressure

Engine Chamber Pressure

Convective Heat Flux

Distance from origin to impingement point
Engine Chamber Gas temperature

Gas velocity in free molecular flow
Limiting gas velocity in free molecular flow
Distance along the nozzle centerline
Distance perpendicular to nozzle centerline
Streanline Gas flow angle

Gas density

Solid angle

Mass flux per stervadian

187

Units

cal/gm-OK or BTU/1b-R
Newton or 1bf
1bm-ft/1bf-sec?
1bf-gec/1bm

Kg/sec or lbm/sec
N’ewton/m2 or 1bf/fel
Atmospheres or psia
BTvlsec-ft2

meters or feet

°r

n/sec or ft/sec
m/sec or ft/sec

feet

feet

rad{ans or degrees
Kg/m> or lbm/fe3
steradian

Kg/sec~steradian




8.0 VEHICLE SYNTHESIS AND PERFORMANCE

The parametric analysis of the solar rocket system was achieved using
the "Solar Thermal Orbital Propulsion-Computerized Unmanned Spacecraft
Synthesis" program (STOP CUSS). This program allows the iavestigation of
various design and subsystem parameters and how these parameters affect
the overall vehicle performance. Several algorithms were developed which
adequately describe the size, weight and performance of the major subsystems
affecting vehicle performance.

A subsystem synthesis approach provided a determination of the require-
ments of each subsystem consistent with the overall vehicle characteristics
and mission requirements. Since there is no closed form solution, an iterative
method was adopted. The iterative logic and its elements are shown in
Figure 106.

The major structural elements of the propulsion stage are the propel-

lant tankage, the solar collector components and the thruster system.

Weight allowances must be assigned to each of these major elements to
account statistically for the secondary structure and ancillary equipment.
gach of the structural components is divided into its element models, each
element is defined analytically, and a preliminary design synthesis is
conducted on the individual elements to identify minimum weights for
feesible designs. An appropriate set of scaling laws were derived for
cach element. Combination of these scaling laws will provide a relation~
ship for the major compounents. A correlation factor (non-optimum weight,
ete.) is applied fo these laws based on historical data pertinent to the
type of material, construction, and complexity of the component.

The synthesis approach starts with the sizing of the tanks to contaia

the propellant used for propulsive changes ia the vehicle's orbdits,
(LEG-to~GED, etc .) and the propellant that will boil-off during the louger
trip times. The heating rate and total heat input throughout the various

mission trajectory segments will influence the propellant boiled-off.
The guantity of propellant boil-off is a function of the vehicle's
thrust-to~weight (hence trip time), the surface arca of the taak(s) exposed

to the thermal eavironment and the taunk insulation concepts.
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Sizing and number of propellant tanks employed for the large payload
designg are dictated by the Shuttle Orbiter's cargo bay physical limitations.

The weight modeling consists of the derivation of the parametric

. equations that describe the structural weight of the stage in terms of
its various components for a range of propellant combinations, loading
environments, and for specific geometries.

The components investigated included:

1. Bulkheads

2. Cylindrical Tank Wall
3. Solar Collectors

4. Thruster System

5. Reaction Coatrol System

The structural shells of the propulsion stage are a major contributer
to the stage's inert weight. Improved we’ght~scaling laws defining the
structural coatribution must differeatiate between the effects of stage
diameter, loading environment, types of construction and materials.

Weight data for the structural shells were obtained frowm Reference 15.

The solar collectors are described with respect to the engine thrust
load and the type of thruster concept. The size of the colleczors will
coatribute significantly to the vehicles inertia. The propellant require-
ments and welght algorithm for the reaction control system is a function
of the vehicle's inertial, frontal projected area and mission duration.

The vehicle's remaining subsystems were considered with simplified
weight algorithms in order to compute the stage mass fraction. The synthestis
progvim systematically updutes the mass fraction estimate with {Cs cemputed
value to derive a stage description which is consistaat with the mission
perforsance and eavironzent requirewments, Figure 106.

The STOP CUSS progras ocutpul provided & summaiy weight statement for

the vehicle's subsystems and propellast masses a5 shoxn ia Figure 107.

Also provided were pertinent descripture charagteristics relating to the
vehicle and the type of mission. Figure 137 shows these characteristics in
five groupings. The ficst group being aission dacta, describiag Che velecity
reguirezent, the LEQ-to-GEQ flight duration, and the amount of payload

returned if the ission was a wo-way trip. there were three Iypus of missicas
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considered, these being a one way trip from LEO to GEO (i.e., expendable
vehicle), two way trip return empty (recoverable vehicle with expendable
payload) and a fully recoverable mission (vehicle and payload).

Other grouping of vehicle data shown on Figure 107 are related to the
engilne system, tank geometry, tank design loading environment and the
thermal data causing propellant boil-off.

SUBSYSTEM SYNTHESIS

The following will be a short description of the gizing and weight
algorithms employed in the STOP CUSS program. The coefficients of some
models were dependant on actual design concepts ard were adjusted during
the program execution.

Structural Tank Modelin&

The tank units are constrained to fit within the Shuttle Orbiter carge
bay. Therefore, maximum tank size is limited to 14.5 ft diameter and 33 f{t
long. [hese tank sets are arranged in modulsr form (when required) to
provide the tankage for the heavy payload vehicles for mission from low
earth ochit (LEQ) to geosynchronous earth orbit (GEQ) and retura. For the
vehicle concept with smaller payloads which require a single Shuttle flight,
the tank length is limitaed to 40 ft. This ellows suEficient space in the
cargo bay te cavey the pavioad, engine subsystem ud the packaged collectors
in the siagle Shuttle flight.

The tuaks are sized vo allov for an ullage volume of 5% and a 3/4% forv
residual propellant and.gdscs. The skin thickness for the tanks withstand
the siresses iaduced by the launch loads and the tank aperating pregourss
of 22,0 psi. The orbiter 1imit lodding conditfons constdered weve the
landing leads of 3.0g lateral and i.54 longitudical and the tank being
suspen&xé from either end wsing the vargo bay's bridge fittisgs for a thrce
point loading condition with one end fioating tu allow for fore and aft
4ifferential expansion, ‘

Besinn loadiag Yor the tank strucltural elewsars re comsidared for
carth launch conditidns. Coxpressive load intensitios are due to:

1. Axial loads caysed by saxizmun longitudinal acceletration during

cavth lauach «hdn the slage {5 carvied {ate vrbit by the Shylttle.

i




2. Body bending if the stage is subjected to lateral accelerations
during ascent. The Orbiter transportation to orbit will influence
the lateral forces; reaction loads from support cradles if carried
in the cargo bay of the reusable space shuttle vehicle.,

3. Eagine thrust loads during space operation of the stage or parent
vehicle system. These thrust loads will be negligible when
compared to the Shuttle ascent conditions.

Tank pressure loading conditions will be traded-off for the best

consideration to preclude buckling, restrain boil-off while at the same
time provide optimum stage performance.

Exacting data from design synthesis programs considered the structural
strength and stiffness requirements re~ulting “rom compressive and pressure
design oritevia. Instability failure modes considerad are panel bucklirg
of the skin aud gtiffener elements, and column buckling and general shell
ingctability. Information is available for several different types of
construction for a ranga of shell diameters, incerazl pressures aad design
lcading environments. Figure 108 shows structural weight data for a typical
aluminum skin-stringsr tank wall for a range of lvading intensities and
internal tank pressure. The resulting weight scaling data derived from this
structural weight data is as follows:

The unit weight for pressurized tank walls is

X L, Ko, S
A 1 .
u:ank PR KN~ R PSI" 6
® 7 T ex )
10
whers
N* =  ¢ompressive load intensity
¢ » material working stress
£ »  Young's Modulus of the material
R » shell radius

Values of the coefficients for sluminum Tanks and Jifferent types of

cotszruction are showa ia the table helow:
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Construction Kl KZ K3 KA K5 K6
Skin

I Stringer 10.40 0.332 0.533 0.778 0 =-3.00
Skin .

Hat Stringer 10.40 0.350 0.533 0.778 0 -3.00

Waffle 10.40 0.0216 0.650 0.778 0 -3.G0

The working stress is obtained from the material's ultimate stress Ft,

and yield stress Fty.

Ftu EEZ
= i R——— ’
g Min s 7S
u y

where FSu = the ultimate or burst factor of safety and FSy = yleld factor
of safety.

The ellipsoidal bulkheads for the propellant tanks have been designed
as minimum weight membranes subjected to internal pressures (ullage for the
forward bulkhead and ullage plus hydroctatic head for the aft bulkhead).
Aspect ratios less than 0.707 produce compressive stresses it the bulknead
and have been consideved for shell stability. Typical bulkhead weights
are shown in Figure 109. Separate scaling relationships were determined
for bulkhead aspect ratios on either side of the discontinuity value of
b/a = 0.707. The following relationship was used for the bulkhead weight:

002 ‘1

b 3p g (1b)

W= 3.12 (;) R

for the following aspect ratio ramge: 0.707 =< g < 1.0 which will ullow

the bulkheads to be treated as tension zembranes and heace lighweight clements.
Weight variation between scaled and design data did not exceed three percent.,
The aluminum allowable vorking stresses are a function of the operating

temperature as shown in the table below.

196




BULKIEAD VEIGHT, 1D x 10 °

3.0 1

2.5 1

N

.

o
'

.—‘
.

AV )
[l

r
o
i

5 <

b v b 22 Y

PRESSURE, 18,'IN e———————my

400
2219 ALUMINUM
RADIUS = 100 IN
TEMP = 72° F
30¢

20

.3 4 .7 .4 .Q 1.
BULXHEAD ASPECT RATIO
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-3 -3 -3 -6
Temperature Fty x 10, Ftu x 10 x 10 E x 10
0 2 2 2 2
C kg/cm kg/cm kg/cm kg/cm
(°F) (1b/in®) (1b/in) | (b/in®) | (1b/iad)
22.2 3.5 4,3¢ 3.11 Q.74
(72) (49.8) (62.0) (44.3) (10.50)
"7303 3-73 AoGl 3030 0077
(-100) (53.0) {(65.6) (46.9) (10.95)
-178.9 4.08 5.14 3.62 0.82
(-290) (58.0) (73.1) (52.2) (11.7Q)
=240.9 4.50 6.21 4.09 0.86
{=400) (64.0) (88.3) (58.2) (12.20)
ALUMINUA

Solar Collector

The collector size and weight are a functiom of the vehicles thrust
level and the engine performance characteristics. Two thruster systems were

cunylidered §ur the paraetric dtucicd. Tht Luevs LeRpuTal.re s9¥8Tem fal &

specific impulse of 872 secs while the higher temperatury system using "doped”
hydrogen produced specific impulses of 1041 secs. The latter systeam requires
considerably more energy and therefore the collectors requirved were larger
and heavier. One of the trades couducted was to detaermine the benefits of
the higher Isp thrusters.

The projected diameter for the parabolic ccllectors is expressed as a

fuaction of the thrust level, Figure 23.

15.489°%; (5000° R. Thrustor)
50.08%°7; (7000° R. Thruster)

= ¢agine thrust lewvel - lbf

Dcoll "

vhere 3

D = Projected diaseter of cellector - ft.

coll
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Jased on available weight data for advanced inflated structures the
solar collector weight is represented by

2 ,
wcoll- o.oaaDcoll (Figure 26 )

where wcoll = weight (1b) of two solar collectors. This weight was for a
light weight concept. Oue of the parametric trades considered the weight
sengitivity effecis of the sclar collector unit weights.

Engine Thruster Systems

The engine system weight included weights for cthe absorber, thruster,
insulation, plumbing and fittings. The weight scaling relation was based
ar the weight breakdown for the 25 lbf thruster with a single nozzle,

1.15

'a, 3 “his relationship was considered to be adequate for both the 5000°R and

7000°R thruster design concepts. The engine system weight is only a small
g percentage of the stage dry weight.
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R Thermal Insulation

Due to the low thrust of the solar thermal rocket, the missicn duration

wi:l Pe measured in days. The propellant employed is liquid hydrogen which
as a cryogenle¢ is very susceptable to boil-off during the mission. In order
. sz ¢t restrain the awount of propellant bail-pff, the tanks must be insulated

- with an effigient lighiweight multi-iayer iansulation concept.

A simplified aporoach is used to determine the equilibrium wall tempera-

ture at the departure and arvival points for the mission. This appreach

considers an average surface temperature throughout the entire mission leg.
The surface tempecature (TN\LL) is assumed o ba equal to the equilibriunm

L
wall temperature, which is given by

e ——

. 1/4
N Ty © QS A:\ b.\Bs
wl\Lu ‘—E"' A a
£

-4 where -

?7 ; ag = the surface coiting absorptivity (0.3)
: £ =« the surface ¢oating eaissivity (G.8)

A, = the effective abserbing area

A = the eifective enitting area {
S,gg « Che solar comstant plus earth contribution

] e the Stefan~do:tzzann constant
199
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For the tankage arrangement and the orbital rotational aspect of the wvehicle
the (AA[AE) ratio was assumed to be 0.5.

The presence of tha earth will affect the heating flux experienced by
the spacecraft. 1In addition to the solar flux, there are earth reflected
and emitted heating fluxss. The total heat flux, SABS' is given by .

'S € S
-9
Sass © %e5 l*(s MCHAE
SR = earth reflected heating raie
Sg = aarth emitzed heating vate
S0 " = sgolar heat flux at 1 AU

The albedo of the earth is the sum of the reflected and scattered solar
radiation and can be conservatively approximated by
Beff = 0.393

where the altitude functiom, g, for & simple sphere is

VFEF®
-] oVl
g=1 rp + h
where rp is the radius of the earth
h is a weighted average of the mission altitude

The heat emitted from the earth is assumed to be constant over its
surface, where ;he average surface temperature is Tp = 600°R
and the planet omitted radiatien EEE’ can be expressed as

.. = 2zgT

££ p

The view factor, 2, is 1.0 and 0.5 for sipgle and clustered tanks, respectivaiy;

the equilibrium wall temperature is given by
174

Tuare " (ies‘) (—i;l‘) (5_‘_}:;55_{3_* Ee:‘) K

The iasulation concepls considered vere multi-layer, typical properties
for DAM-NI! insulation i3 shoun in Figure 110. Since the tanks vill contain

liquid hydrogen, the lower thermal conductivity curves were used at the aear
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optimum point of about 60 - 80 layers per inch. The heat flux (Q) equation
used for the vehicle synthesis is

-5 4
Q= 2.5x10 T BTU

where %455 =~ insulation thickness (ft)

The total heat input throughout the mission is given by

Hin = % Apk * Tyzgs
where ATANK is total surface area of all propellant tanks and TMISS is the
total wmission time including stay time in geosynchronous orbit before return.
The time for the outbound and return trajectory segment are a functiom of
the initial thrust to weight and the number of burn cycles required to produce
the velocity increment requirements, see Section 6.0,
The latent heat of vaporization (Ly) for liquid hydrogen is 190 BTU/1lb.

Therefore, amount of propellant boil-off is given by

¥ogop B-0 = Hin’ly

The boil-off rate is considered to be constant throughout the total mission
duration. Therefore, during the long thrusting periods, the stage mass
depletion rate must include the propellant boil-off rate. The propellant
requived to impart the required velocity increment 4V is given by

- av/ig _
"PROP wao (e 1)

where "EO = vehicle weight at end of mission leg
1 = gpecific iwpulse of vehicle (secs)

A weighed average between no boilwoff and full boll-off prior te astart of
zuission soghent is couputed to account {Hr gradual boil-off throughsus the
aission. |

Prior to start of the otbital transfer sission, vhether the wrhicia
censisced of 2 single tank ar a multiple ciuster of canks, esch tank is
assuzed to be fiiled to a unifors level of 95% vhich alloved & 5% uildge

factor.
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The unit weight scaling relationship for the multi-layer insulation includes

an outer sheet which acts as a bumper to reduce peretration by micrometeoroids
s = 2gng *+ U-0362  1b/fed

A 5 mil mylar scuff layer over 1/2 inch thick MLI insulazion will give 992

survival probability for a 40 foot long and 15 ft diameter LH2 tank through-
out a 40 day amission.

Reaction Comntrol Propellant Requiremeats

The reaction control prepellant is required to stabilize the vehicle
due to external disturbing torques. These torques are due to aerodynamic
drag and gravity gradient. Section 6.0 showed an example of the fuel
required for a thirty day mission and a particular size vehicle.

The aecodynamic torque on the vehicle results from the large projected
frontal area of the solar collectors and their lever arm with respect to
the vehicle's center of mass. Scaling frem known reference poiats, the

propellant required to overcome this torqua is given by

A -1.3
2.2x10 D coll T

"Res-AERO
where T is trip time in days.
The gravity gradisnt disturbances are a function of the inertia characteristics
of the vehicle. Therefore for a constant thrust-to-woight the propeliant
is given by

9 4

W, .. .. = 1.9x107°D

RCS~66 ¢oll T
Tha zank weight to contain the RCS propellant is zssumed to be 25% of the
propellant weight plus 50 lb for nozzle and fittings.

Qrher Subsystams

The vthier subsystems iackuded in the siage {aertia weight arze not
strongly dependant of the vehicle sige or mission duration. Typical syslem
weights are based on cuvrent state-of-the-art techaclogy. A lizting of thess

waights is showw i{n the table below.
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Constant Subsystem Weights

Subsystem Weight Budget (1bs)
Thermal Control 79
Hzat Transfer Systew & Insulation 112
Electrical Power and Distribution 354
Navigation 75
Telemetry, Irackiag & Communication 62
information Mcnagement & Coatrol 50
Structure and Mechanisa 200

v -

Total Constant Weight (932)

An allowance of 15X of the spacecraft dry weight has been added to accouat
for vehicle growth.
PARAMETRIC TRADE STUDIES

A series of trade studies were conducted to determine the importance
of several design paramefers and the size limitatica imposed by the Orbiter's
¢argo bay. The rvange «f payload was 10,000 ib to 100,000 1b., the lighter
payloads can be packaged within the QOrbiter cargo bay together with the
propellant tanks, collector aud thruster systers. The larger payleoads are
compoyed of neated propellant tanks assembled in orbit from sepavate Orbiter
flighsa.
tnsulation §iudy

_ Theve are nuzecous choizes of vehicle parazeters for display via the
¢8T platting routine of the STOP CUSS Progran. Fer rhe {sitisl sun uvhich
vavied the paylead waipht and the icsulation thickness, a typical selaction
of plots are rean in Figuves L3l through  115. The resalts shiown are gex
the ocne way trip {roc LE™ to GEQ, with an initial thruset-to-veight-ratio
of G.000] and using the | wer tesperature engine system whose performance is
872 secs specific impulse.

Figuve 11} indicates the weight of the total vehicle plus paviecad at
beginning of the aisslon 2t LEQ (vehicle fgaftien vefght). Ii is retognized
that most of these vehicles exceed Orbiter delivery capability to 1E0.

Therefore. the vehicies shown ave coitpused of 2 serfes of tank secs (waximunm
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length 55 ft) assembled together prior to departure from LEO. The tank sets are
topped up with propellant to allow only a 5% ullage factor prior to departure.
From this figure, the inference is that for the range and performance of
insulation considered (0.5 < ins © 3.0 ins), the change in vehicle launch
weight is less than 5%. In fact, the thicker insulation is a weight penalty
to the vehicle performance. This is possibly due to the relative short
trip time involved with the one way mission and the high thrust to weight
ratio of 0.0003. The total time involved is approximately l4 days and
hence the boil-off percentage 1s rather small compared with the amount of
insulation involved.

Figure 112 shows the amount of usable propellant for each vehicle.
The definition of usable propellant is the propellant used by the solar
thermal thruster aad the propellant that is boiled-off. The propellant
boil-off could be used by a modified engine pump. The engine system will be
more complex and heavier, since it is required to handle both fluid flow and
the vented gas flow from the boil-off.

Figure 113 shows how the insulation weight varies with the payload
and hence tank size and the insulation thickness. Each tank set is assumed
to be covered with a constant insulation thickness on the tank wall and
the tank ellipsoidal bulkheads.

The larger launch vehicles will require a corresponding larger and
hence heavier thermal rocket engine if the vehicles T/W is held constant
at 0.0003. The variation of engine thrust for the range of payloads con-
sidered is seen in Figure 1ll4. For a given engine thrust, there is a
correspondiang amount of solar heat required. This solar heat is obtained

from two pavabolic collectors whose weight variations are showm in Figuve 1185,

The effect of insulution was considered also for the longer duration
missions where the thrust to weight T/W is reduced tv 0.00003. The engines
used for the next three figures werve the high temperature systems capable
of specific impulse of 1041 sees. Figure 116 shows the vehicle weights
tequired for a range of insulation thicknesses from 1.0 to 3.0 ins. It is
appatent that the 1.0 inch insulation results in a weight increase of less

than 3% for the largest payload system. Any further insulation thickness
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reduction would begin to significantly impact the vehicle's performance.
The return empty mission (Figure 117) and the two-way return mission
(Figure 118) indicate similar trends. Therefore, it appears that 1.0
inch ingulation will be adequate for those vehicle systems that have

T/W 0.00003 for both the low (5000°F) and high temperature (7000°R) engine
systems.

Thrust-to-Weight Variations
The thrust-to-weight ratio of tha vehicle will directly affect the

engine size and movre significantly, the collector diameter and weight.
The low temperature thrusters results are shown in Figure 119 (LEO-GEO
mission) and 120 (LEO-GEO and return mission). They indicate that the
overall vehicle weight can be reduced by increasing the T/W ratio. Although
the engine and collector system weights increase, the trip times are reduced
and there will be less propellant boil-off. There is no appreciable weight
reduction when the T/W >1.0 x 1074,

The high temperature thruster results (Figures 121 and 122) show
the direct opposite effects., When the T/W is increased, the overall vehicle
weight increases. This is due to the significantly larger collectors
required for the higher temperature thrusters. The collectors are becoming
a predominant weight item and their size induces major disturbance torques
both serodynamic and gravity gradient. The return mission with the 100K 1lb

payload, Figure 122, shows the vehicle weight increases about 75%Z when
the T/W goes from 0.5 x 10™% to 3.0 x 10™%. The trip time for the continuous

thrusting mission varies from 84 days outbound for the lowest T/W to 14 days
outbound for the highest T/W shown. If the trip time is not important, then
the T/W should not exceed 1.0 x 10~% for the large payload vehicles.

When the vehicle payloads are 20,000 lbs and less, the T/W variation
between 0.5 and 3.0 x 10~% does not noticeably change the vehicle's launch
weight. Then it will be better to consider the use of the lowest mission
duration acceptable.

Eavine Performance

The improvements in performance using the high teamperature thrusters
are shown in Figure 123. A T/W = 0.00010 is held coustant for both thruster
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systems, and the thermal insulatior was 1.0 inch for all three types of
mission. Figure 123 shows ‘that the high temperature thrusters can improve
veiilcle performance by at least 10X for the one-way mission and 20% for the
round trip missions. It should be recognlzed that the results shown would
result in an outbound trip time of 42 days. The weight of the engine thruster
is considered constant betweeca the high and low specific impulse, thruster
weight is only a function of thrust level,

The engine performance is more beneficial at the higher payload ranges
and the 2-way return trip missions.
Tank Pressure

There have been thruster design basepoints with chamber pressures ranging
from 20 psi to 50 psi. Although there is a slight weight variatiom in the
thrust assembly, there is a significantly larger weight variation in the
propellant tauk. Figure 124 shows how the vehicle's yross weight and stage
mass fractions are affected by the tank pressure. For a constant launch
vehicle ¢21i-ht, the payload capability is improved about 87 by decreasing the
tauk's pressure from SO to 20 psi. The specific impulse for both pressures
is assumed to he 872 seconds; there being no account for improved thruster
performance at the higher operating pressures.

Single Orbiter Lauuch Capability

The previous resulus were concerned with the effects of various design
and performance parameters with vehicles using 55 ft. long tanks. Most of
the vehicies for the pay.oads of 20,000 1b. to 100,000 lbs. required multiple
propellant teuks clustered together at low earth orbit. Each tank is brought
up separately by the Orbiter and therefore the tank lengths weve 55 ft, For
the lighter payload vehicle systems it is possible to transport, payload,
tankage, engine system and collectors in a single orbiter flight. For this
single orbiter Flight arrvangement, the tark length 1is constrained to 40 ft
to allow for packaging of the remainder of the vehicle withia the cavgo bay.

The vehicles considerzd for the single shuttle launch all had an initial
thrust to weight ratio of 0.0003 and an insulation thicksess oi 1.0 {n.

Figure 125 shows the payload capability for the single Shuttle launch
for the twe engine systems (specific impulse 872 and 1041 seconds). The pay-

load capability increases as the teip duration from LEO-to-GEQ increases. The
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trajectories congidered for these increased flight times are for the apogee/
perigee burn flight modes which significantly reduced the total velocity
requirements. The velocity required is 13,200 ft/sec at the l4-day trip

time reducing to 15,750 ft/sec for the 40-day duration. The extended mission
duration has the effect of increasing the amount of propellant boiled-off,
which negates some of the benefits of the reduction in velocity requirements.

For the LEO-to-GEO mission, the orbiter capability ranges from 22,000
to 27,000 lbs. for the low temperature (5000°R) thruster system. This payload
can be increased by 20% if the high temperature (7000°R) thruster is used for
the propulsion system.

Missions which return the vehicle but leave the payload at GEQ can place
payloads from 15,000 1b to 20,000 1b into the geosynchronous orbit. This type
of mission does not benefit from the improved thruster performance of the high
temperature system. The payload is very sensitive to the returned stage inert
weight. The collector weight for the high temperature system constitutes
a significant percentage of the stage inert weight and negates the gains from
the higher specific impulse.

Figure 125 also shows that the Orbiter can transport to LEQ a solar
thermal rocket system capable of placing and returning from GEO payloads
ranging from 5000 - 7500 lbs. There does not appear to be any paylead performance
increases by ewploying the higher temperature thrusters.

The weight for the inflatable solar collector is based on very light-
weight, perhaps optimistic design concepts with respect to the collector

weight budgets. All the previous results are based on a weight algorithm of

2

;e
Weorr T 9-04% Doy

[f the collector weight model is increased 5 times the resulting single orbit
launch payloads are shown as dotted lines on Figure 125. Fov the low tempera-
ture thrusters the payloads are veduced 5 - 10% for all three missions. The
high temperature engine system with its much larger collectors has the

payload reduce by 30X for the one-way mission. [he other two missions have

no payload capability. The increased collector weight, plus the lavge in-
creases in inertias vesulting in additional RCS propellant, completely erase

the payload.
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Figure 126 shows the vehicle launch weight for the corresponding vehicles
on Figure 125, Most of the vehicles remain within the Orbiter's weight
carrying capacity. If 3000 Ib weight allowance is made for the support cradle,
the Orbiter useful payload capability is 62,000 1b into the low inclination-
low earth orbit,

The collector diameters are shown in Figure.l27. The low temperature
engine system requires collectors ranging from 50 ft to 65 ft, while the high
temperature thruster needs collectors at least three times as large. The
collector diameter increase with the extended trip time (Figure 127) is due to
the constraints of a fixed volume propellant tamk, increasing payload capa-
bility and a constant thrust to weight at initial launch.

Other Missions

Several other types of missions were considered to determine the solar
thermal rocket systems performance. Three low earth orbit missions are shown
in Figures 128 through 130. The first is the dispersal of space debris
mission where the vehicle performs a small AV maneuver rendezvous to pick up
a payload and imparts a similar AV to the payload debris before releasing the
debris. These maneuvers are repeated until all the vehicles propellant has
been expended.

Figure 128 shows the number of maneuvers that can be accomplished
using a single orbit launch of a 55 ft. tank and engine system. For example,
six maneuvers with AV = 4000 ft/sec could disperse 6 payloads of 8400 lb.
each payload.

A similar type of mission would be to employ a fully fueled vehicle and
gradually collect space debris. Figure 129 shows the number of maneuvers
that can be accomplished with the 55 ft. tank vehicle system. The figure
shows for example that 6 payloads of 3400 each can be picked up with AV = 5000
ft/sec between each maneuver. The dotted line superimposed on the curve is
the payload down limitation of 32,000 lb for the Orbiter. This 32,000 lb. would
include the payload's collected, the empty solar thermal vehicle and 3000 lb.
for support cradle., The example of the 6 payloads is within this down weight
limit.

A final type of mission is the sequential deployment of payload (sensors,
etc,) with velocity maneuvers between each deployment (Figure 130). Since the
vehicle and payloads are carried in a single orbiter launch, a 40 ft propellant
tank has bean used for the solar thermal rocket vehicle. An example shows that
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6 sensors weighing 5000 lbs each can be deployed with AV = 4000 ft/sec between
each deployment., The curves to the left of the boundary line would have a
fully loaded 40 ft propellant tank, while those to the right of the boundary
line, the tank is off-loaded and the launch weight is constrained to 62,000 1lbs.
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9.0 CONCLUSIONS AND RECOMMENDATIONS

The material presented below summarizes the conclusions and recommenda-
tions drawn at the conclusion of the Solar Rocket System Concept Analysis
study.

CONCLUSIONS

1. The 5000°R solar rocket system 1s within the current state-of-
the-art.
2, The 5000°R solar rocket system performance is superior to a

second generation LO,-LH, orbit transfer vehicle for multi-day

transit times.
3. The payload of the 5000°R solar rocket for the payload-up S/C-

down case is significantly greater than the corresponding

chemical system.

4. The 7000°R solar rocket system will require a significant
development effort but the pavoff for the single shuttle

launch case is siguificant.

RECOMMENDED HARDWARE/TEST ACTIVITIES

FY '30

e Proceed with the analwsis, design, fabrication and ground test
of a 10 lb thrust engine/absorber cumbination for the 5000°R
case.

e lmplement the analysis, design, fabrication and test of a 30-
a0 e diameter collector,

e Integrate the engine/collector systems fur a vombined test.

7Y '3

o Conduct o shuttle launched space test ol a J0=-40 ft drameter
collevtor, Coasider including 3 thruster.

o fRased on FY 80 results, initiate concept feasibilicy studies

. an® .
ot the TCO0TR particulate absorber systes.

. .
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RECOMMENDED ANALYTICAL STUDIES .

o Pump-fed versus pressure-fed propellants

e Pressurization system design

e Tank insulation design

e Collector optimization (facets, c.g. design)

o Non-uniform stress of parabaloidal membrane

e High accuracy collector fabrication techniques

e Specular reflectance of metallized films

e Deforusing during coast periods

e Collector structural dynamics and thermal deformations
e Optimum steering policy

e Gimballed engines versus RCS jets

e Effect of the multiple restarts requi »d for the perigee burn case

on thruster reliability
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