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SYMBOLS

c wing chord

pressure coefficient

f function describing model surface

k slope of pressure—differential ratio versus pitch
- 

~- angle curve
- ~si 

— 

~s3 ~s4 — 

~s2
-
~ ~~~~~~~~ q )/ae and~~~( q

M Mach number

p5~ pressure measured at orifice i on the probe

q dynamic pressure

r radial distance model-probe axis (mm) , (Figure 2)

U velocity

x,y,z Cartesian coordinates (mm), (Figures 1 and 2)

x in flow direction
y in spanwise direction

- • 
z upwards

- - angle of attack

wing thickness ratio

61 3 1  6 4_2 angle between the geometric probe centerline and
the aerodynamic centerline projected in the vertical

- 
- plane (1-3) and in the horizontal plane (4-2),

(Figures 8 and 9)

flow inclination in the tunnel vertical plane,
- positive when the flow direction is up, (Figure 8)

c scaling factor

• velocity potential or roll angle of the probe ,
- 

(Figure 8)

p perturbation velocity potential or meridian angle
model-probe , (Figure 2)
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e flow deflection angle, positive out from tunnel
- centerline at different wall positions or angle

of pitch of the probe with respect to the tunnel
centerline, positive, when probe nose is up,

= (Figure 8)

Subscripts

• n denotes nominal value

- 
free stream condition

i probe hole number 1 1-6, (Figure 8)
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1. INTRODUCTION

The model in a supersonic wind tunnel produces compression and
expansion waves which are reflected at the test section wall.
The type and the strength of the reflection depend on the wave
attenuation properties of the wall. Below a certain Mach number,
depending primarily on the model length in relation to its dis- —
tance from the nearest test section wall, the reflected waves
will hit the model and distort the pressure distribution over it.

There is today no method available to make reliable corrections
for this kind of wall interference. The main research efforts

over the last few decades have therefore been directed to mini-

mizing the wall interference to such an extent that uncorrected
data obtained in tunnels with wave-attenuating walls can be
accepted.

Criteria for the desired cross flow characteristics of a wave-
attenuating ventilated wall have been obtained by theoretical

— calculations of the undisturbed flow field at a distance from
the model corresponding to the position of a hypothetical wall

• [1] and [21 *. Accurate calculation of the flow field at low
supersonic free stream Mach numbers has only been possible for
two-dimensional wings and for zero-lift axisymmetric bodies.

The performed calculations have shown that the required relation-
ship between pressure drop and cross flow for the wall varies
within the flow field for the same model and also with model con-
figuration and Mach number. Consequently it does not seem pos-
sible to find a fixed geometry wall that is interference-free.
Some wall configurations have, however, been developed which
offer an acceptable compromise among the various known design
requirements.

The most successful con! iguration~ currently in use in a number

- - of operating wind tunnels, is the differential resistance per-
forated wall, developed at AEDC. The differential resistance
to inflow and outflow is tailored to calculated and experimen-

I. Numbe~~~~ir ~~~~~~~~~~~~ :T~T TT ~::::::::~, 
~~~~~~~~~~~~~~~~~~~~~ 
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tally verified requirements for cone-cylinder models and slender
continuously curved axisymmetric models at zero angle of attack
(ii. Later versions of this wall have variable porosity L3J .

A cone-cylinder model is usually used to evaluate the wave-
attenuating properties of the wall. These can be estimated by
comparing the measured pressure distribution on the model with
the theoretical one or with a pressure distribution obtained
experimentally with a model that is so small in relation to the
tunnel that the results can be considered as interference-free.

It could be said that the design criteria for the wall cross-
f low characteristics and the methods to evaluate the wave-atten-
uating properties of the walls have resulted in test section
wall configurations which are tailored to tests of axisynimetric
bodies at zero angle of attack. Most wind tunnels are, however,
mainly used for development testing of airplanes and missiles.
Some calibration tests with models of different sizes in relation
to the test section have shown that although the wall interference
is far from negligible, the results can in most cases be consider-
ed as acceptable for routine testing [4].

Little is known however about the requirements on the wall
cross-flow characteristics for a lifting aircraft configuration.
It is the objective of this investigation to study experimentally
and theoretically the undisturbed flow field around a lifting
wing-body wind tunnel model at locations where the tunnel walls
are normally situated. The results might be used to establish
relevant wall boundary conditions for this type of model.

This investigation has been carried out as a two year program.
The first year activities were reported in an Interim Scientific

Report [5], which covered the theoretical computations and the
preparations for the wind tunnel tests. Most of the material
presented in 15~ 

is included in this report, which covers all

the activities of the two year program.
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Principal investigator has been S.-E. Nyberg; S.C. Hedman has
carried out the theoretical investigation with the TSP method,
assisted by N. Agrell, who carried out part of the calculations;
A. Rizzi carried out the calculations with the method based on
the Euler equations ; H. Sörensên has been responsible for the
wind tunnel tests.

Papers on material from this investigation have been presented
at the 50th Semi-annual Meeting of the Supersonic Tunnel Associa-
tion , Sept. 1978 [6) and at “Sitzung des DGLR Fachauaschusses
3.1” , Feb . 1979 [71 .

2. THEORETICAL INVESTIGATION

2.1 Calculation of the supersonic flow field around the
- 

• wing—body model by means of a transoni.c small perturba-
tion potential method

2.11 !! ~ 2~x

The transonic small perturbation (TSP) method is described ‘n [8].

A perturbation potential p is defined in terms of the full
velocity potential $

$(x,y,z) U,,,[x + LP(x ,y , z ) ]

where the scaling factor c is chosen to be c = ~m /M , and
6 is taken as the average wing thickness ratio. The transonic
small perturbation equation written in P is

— (y+1)M 2 
~~~~~ ~~~~~~ + ,zz 0

This equation is put in finite difference form and solved by a
relaxation procedure introduced by Murman and Cole [9].  Its
mixed flow character is catered for through the use of centered
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differences in subsonic portions and upstream differences in
supersonic portions of the field.

The surface of the configuration may be written as z=f(x ,y).
For field points adjacent to the body the boundary condition
becomes 

-

p = ( !+~~ )f +p  f
S £ X X y y

and for wing boundary points

The calculations of the flow field are made at points in a
rectangular grid covering a finite domain of the physical space.
The condition at the most upstream side of the box containing
all the field points is p = 0. No condition is forced on the
most downstream side. At the remaining four exterior surfaces
of the box the potential p is put to zero. These surfaces
are situated so far away from the model that effects from them
should be negligible at the points investigated.

The pressure coefficient in the field is computed from

C~ = 2~~cp,~

and the flow angle from

e tanl[(P~ + Ncp5 ) / (  ~ + 
~x~

1

where N = ±1 for y 0 , z ~ 0

In the absence of a shock fitting procedure shocks are smeared
out over several mesh widths in finite difference calculations.
In particular this is so when shocks are swept [10]. The cal-

culations therefore will not be able to give discontinuous
changes in C~ and 0 at the shock.

—- -

~

-- -- — 
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The main portion of the calculations was performed in grid 1,
described in the table below. To estimate the effect of the
size of the box, control runs were made in the slightly wider
grid 2. The model positioned in grid 1 can be seen in Figure 1.

Grid Type of No. of points Size in model scale
calculation 

________________  __________________________

______ x y z x y Z

1 Main 37 40 27 —90/165 —294/294 0/286
2 Control 34 42 28 —63 / 142 —355 /355 0/337

A relaxation factor of approximately one was used. The changes
in the flow field settled down at first at the upstream end. Thus
during most iterations, only the downstream portion was recalcu-
lated. 520 iterations were performed for the a = 00 case. This

solution was then used as a start for the 50 incidence case and
340 more iterations were made. Small changes in the field weie
still observed in the planes x = 142 and x = 165.

The effects of the change of grid system were so small that they
could not be seen in the plotted results.

2.2 Calculation of the supersonic flow field around the
body at zero angle of attack by means of a method
based on the Euler equations

In view of the limitation of the potential flow solution to ir-
rotational flow and to its treatment of differencing the poten-
tial function across shock waves, it seemed worthwhile to examine
an alternative numerical procedure, namely, the solution of the
full equations of gas dynamics (Euler equations) in a finite-

volume formulation. This type of procedure in a wide variety of

forms (iii was originally developed about 10 years ago for the
calculation of flow fields about re-entry vehicles c~nd missiles
which travel at high supersonic Mach numbers. While in principle

-- •

~

--
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the method is applicable to flow at low supersonic speeds, in
practice a number of difficulties is known to arise and it is
only recently that efforts have been made to overcome them [12,13] .

In Rizzi’s approach the Euler equations are integrated by taking
finite differences in a fully conservative form. The ),ow shock
wave is searched for and found and the correct jump relations across
it are then inserted into the flow field at that location. In this
way finite differences of discontinuous variables are never en-
countered. Essential to this technique is the implementation of
a computational mesh that can move and adjust to the flow field
as it evolves during the course of the computation (in contrast to
the relaxation method for which the mesh is fixed). While more
sophisticated, this mesh—adjusting procedure can run into diff i-
cu].ties as the free stream Mach number approaches unity. Consider,
for example, the case of flow past a cone-cylinder for wh . ch the
bow wave is just detached from the tip. The distance betw en
the body and the shock then varies, as one proceeds from the tip
to the flank, by orders of magnitude, and an accurate computation
will require a specially refined mesh network.

As a preliminary test of the suitability of this approach at low
supersonic speed in the present context and as an illustration by
concrete example of the difficulties inherent in it, flow with
M, =1 .2 and zero incidence past the body without wing was computed.

3. EXPERIMENTAL INVESTIGATION

3.1 Test method and set-up

The experimental investigation was carried out in the FFA TVM-500
wind tunnel, which is a blow-down tunnel with 0.5 x 0.5 in2 cross
sectional area in the test section [14). The tunnel has a single—
jack flexible supersonic nozzle and a transonic test section with

porous walls. The tests reported in this report have been per-
formed in the supersonic nozzle, which allows the Mach number to

be varied continuously.

- — _ _ _
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The testing method was earlier successfully used in sonic boom
research to determine the flow field around lifting SST config-
urations at M=2.7 [is). Figures 2 and 3 show the test set—up .
By a special support mechanism the model can be translated in
the x direction along the tunnel centerline during the test and
it can also be rolled around the x axis. The position of the
combined flow inclination and static/pitot pressure probe is
fixed during a test run, but the radial position (y and z
directions) can be changed between the runs.

3.2 Model, balance and sting

The model had to be small enough for the waves generated by the
model after reflection at the real wind tunnel wall not to inter-
fere with the measurements at the hypothetical wall (Figure 2).
For measurements at M 0 = 1.2 in wind tunnel TVM-500 a model span
of 70 mm was chosen. The model is composed of an axisymmetric
body and a delta wing typical for a supersonic fighter. The se-
lected configuration is geometrically similar to a larger model,
extensively tested at FFA earlier.

A two—view sketch of the model arrangement is shown in Figure 4.
The wing has a leading edge sweep back angle of 400. The aspect
ratio is 3.2 and the taper ratio 0.2. The wing profile parallel
to the plane of symmetry of the body is a modified NACA-64A004
airfoil section. The construction of the model required a thick—
ened profile from x/c = 0.5697 to the trailing edge. The co-
ordinates of the modified MACA profile are given in Figure 5.
The body is a circular cylinder with a pointed ogive nose section.

The model Is mounted on a two-component strain gauge balance and
a sting. A photograph of the test set-up is shown in Figure 6.

3.3 Combined flow Inclination and static/pitot pressure probe

The hemispherical probe employed to determine the flow condition
is shown in Figure 7. The probe has a diameter of 3 mm . Four



static pressure orifices are located circuniferentially 900 apart
on the hemispherical surface for determination of the flow in-
clination and four on the cylindrical surface for determination
of the free stream static pressure. A pitot pressure orifice is
located at the probe nose. The static pressure orifice diameters
are 0.5 mm and the pitot pressure orifice diameter is 0.9 mm.

The probe has been calibrated at Mach numbers of 1.11 , 1.16 , 1.21
and 1.30 for a Reynolds number of 35 - 40 x 106 per meter. At each
Mach number the flow inclination probe was held at pitch angle
settings of ±9, ±7, ±5, ±2 and 0 degrees for roll angles of 00,
90°, 180°, 2700 and 300°. These runs provided the information
necessary to calibrate the probe. In Figures 8 and 9 are presented
probe calibration results which enable the determination of Mach
number , total pressure and flow angles.

Due to the geometry of the probe the pitot pressure, the flow
inclination pressures and the static pressure were measured at
different axial stations in the wind tunnel. The procedure used
in determining the pressure coefficient C~ and the flow direc-— tion 0 from the measured probe pressures is as follows. A ten—
tative Mach number is first calculated, assuming 0 = 0 , for the
x station where the static pressure orifices are situated. Then
the Mach number is interpolated to the probe nose and the pressure
coefficient and flow inclination angle are determined. Now, in
order to correct the Mach number, the angles of pitch and roll
must be calculated and from the probe calibration curves the cor-
rection factor is found. The second approximation to the Mach
number can now be determined and the same calculations as above
can be repeated giving new values of the pressure coefficient and
flow inclination angle. For this investigation one iteration was

found to be sufficient.

3.4 Test program

The test program included determination of local pressure co—
efficients and flow angle in the undisturbed flow field around

L ~~~~~~~~~ • . ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~
• •
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th. wing-body model at locations, where the wind tunnel test
s ction walls would typically be situated. The major part of
the measurements was made at Mn = 1.20 and consisted of surveys
along th. centerlines of the top (p • 0), side (cp = 90°) and
bottom (p . 180°) walls for three hypothetical wind tunnel sizes
of 140 (r~ • 70), 200 (r~ 100) and 300 (r~ = 150) mm . The
blockag, area ratios for the model corresponding to these “tunnel
sizes” are 0.7% , 0.4% and 0.2% respectively. The model was tested
at the nominal angles of attack ~~ = o, 50 , 150 and 250. The
actual angles of attack, corrected for deflection in sting and
support as computed from the balance measurements, are presented
in the table below.

00 a 

= 1.15 M~ = 1.20 14,,, = 1.30

o 0 0 0

5 5.7 5.7 5.7

15 16.8 16.9 17.1

25 — 27.9 28.3

Schlieren photographs were taken of the flow field generated by
the model and the probe.

Tests were also made at M~ = 1.15 and 1.30 for one “tunnel size”
200 (r~ = 100) mm . At M~ = 1.15 the highest angle of attack
• 250 was omitted because at this angle the waves generated by

the model after reflection at the real wind tunnel wall disturbed
the measurements severely.

The wind tunnel was operated at 230 - 270 kPa stagnation pressures

and 295 K stagnation temperature.

The probe was directly fixed to the supersonic nozzle of the
wind tunnel. The distance between the nozzle and the model varied 



slightly with Mach number, and consequently also the distance
from the model to the probe. The corrected distances are present-
ed in the following table.

rm m
rn mm 

_ _ _ _ _ _ _ _ _ _

• 1.15 14 • 1.20 M
~ 

= 1.30

20 — 73.2 —
100 102.6 103.2 105.3

150 — 153.2 —

3.5 Accuracy

The absolute level of accuracy of the results is very difficult
to establish, because of the combined effects of the many pos-
sible sources of error. Precautions were however taken to reduce
the magnitude and probability of significant errors. The facility
instrumentation consists primarily of high sensitivity pressure
measurement devices for determining both stagnation and reference
pressures. The instruments were calibrated carefully preceding
the investigation. The free stream properties are considered
accurate within the following limits

± 0.003
PC,, ± 0.4%

The precision with which local flow quantities can be determined
is estimated to be as follows

Errors at M - 1.2

M ± 0.006
P5~ ± 0.2%
C~ ± 0.02
0 ± d~,2

The values of the errors in angles quoted here do not include
the influence of the non-uniform flow on the probe. The inter-
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action of the shock with the subsonic flow in front of the probe
produces locally large errors. Therefore, the measurement is
not accurate very close to shocks. In addition there is some
influence due to Mach number gradients (t~O ~ 0~1).

4. RESULTS

4.1 Theoretical investigation

In the first phase of the investigation the flow field was cal-
culated with the TSP method described in Section 2.1 for a- 0
and 50 at 14, - 1.20 only. The intention was that, if the agree-
ment was satisfactory between the theoretical calculations and
the experimental results obtained later during the second phase,
the calculations should be extended to lower Mach numbers, where
the experiments are severely disturbed by wall interference. Pres-
sure coefficient C~ and flow deflection angle 8 as obtained by

these calculations are presented as functions of the flow direc-
tion coordinate x in Figures 10 and 11 . Calculations were made for

radial distances from the model, r = 73.2, 103.2 and 153.2 mm and
for meridian angles p • 0, 900 and 1800 corresponding respectively
to the position of the top, side and bottom walls of three hypo-
thetical wind tunnels of different size. Please note that the
flow angle 8 is defined positive for radial outflow from the model.

It can be seen

• that the calculated pressure and flow angle vary con-
tinuously through the shocks, because the shocks are
smeared out in the calculation procedure.

• that effects due to lift decay faster than those due
to thickness.

To assess the validity of the TSP calculations before experimental
results were available for comparison, a numerical solution of the
complete equations of gas dynamics was included for flow past the
body without wing at a . 0. The time-dependent finite volume method,
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mentioned in Section 2.2 was used. In this method the shock wave
is “fitted” so that the calculations yield a distinct point where
the discontinuity lies. Comparison of the calculated results
with the results obtained with the TSP method are Bhown in Figure
10. It can be seen that, while the location of the largest grad-
ients in the TSP solution lies near the fitted shock wave, the
amplitude of the change in C~ is much smaller.

The characteristics of a ventilated test section wall are fre—
quently described by the relationship between the pressure drop
of the flow when it passes through the wall and the flow angle ot
this flow at the wall [i , 2, 16]. It is therefore convenient to
plot the undisturbed flow field data, obtained in this investiga-
tion, in the same manner in diagrams of the pressure disturbance
Cp as a function of the flow angle 8. These diagrams can then
be interpreted as the required characteristics for a hypothetical
interference—free wall for the location and flow condition in-
vestigated.

Figures 12 and 13 present the calculated results for the wall posi-
tions investigated. The origin for each curve is positioned at the
corresponding y and z coordinates in the (y z)plane. These curves
represent the required flow characteristics for an interference-
free wall. As the characteristics vary throughout the flow field
it does not seem possible to find a fixed geometry perforated wall
configuration which is completely interference—free for this model.

Theoretical disturbance distributions for a cone—cylinder model
with 2 per cent blockage [iJ at the same Mach number M,,,= 1.2 and
zero angle of attack are shown for comparison in Figures 12 and 13.
In the outflow region the flow characteristics for the wing—body
model are similar to those for the cone—cylinder, but in the inflow
region large differences occur. The results indicate that the need
for differential—resistance characteristics for the wall is much
less pronounced in the expansion region above this three-dimensional
lifting wing than in the expansion region of the cone-cylinder.

• Comparisons of the theoretical TSP results and the experimental
results obtained in the second phase of this investigation are 
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shown in Figures 14-19 and 23-24. It is obvious that the TSP
F results for C~ as well as for 8 show only qualitative agree-

ment with the experimental data. The flow is “smeared out” in
both compression and expansion areas and the peak values of
and 8 are strongly underestimated. It w~is therefore considered
appropriate not to extend the calculations to lower free stream
Mach number until the TSP method has been further developed to
handle them more accurately.

The results obtained with the method based on the Euler equations
• for the body alone case at a = 0 are compared with experiments

in Figure 15. The calculated shape of the bow shock is blunter
than the measured. The pressure rise is well determined. A
future extension of the calculations to include angle of attack
for the body and later the complete wing-body configuration could
be very useful for investigation of flow fields at low Mach num-
bers and for high angles of attack, where the experiments are
highly disturbed by wall interference.

4.2 Experimental investigation

4.21 
~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~

Examples of the experimentally determined flow field parameters
are depicted in Figures 14-19. Shown are the C~ and 8 dis-
tributions in the x direction at M = 1 .20 over, under and at
the side of the model at radial distance in these examples of
r = 73.2, 103.2 and 153.2 mm from the model center. For compar-
ison purposes the theoretical results calculated with the TSP
method and in the a = 0 case (Figure 15) the solution based on
the Euler equations for the body alone are shown. Schlieren
pictures in the same linear scale as the diagrams are incorporated
in each figure to facilitate interpretation of the flow field
parameters.

A complete set of diagrams of this kind, covering all tests per-
formed, is to be found in Appendix 1 (Figures 36-54). At some
test conditions with high angle of attack, large distance model-



prob. and/or low free stream Mach number it can be seen from the
Schlier.n picture, that waves generated by the model are reflected
at the real wind tunnel wall, see for instance Figure 49. Data
points obtained downstream of the reflected bow wave are disturbed
by wall interference and are in the diagrams marked with filled
symbols.

Repeatability checks were made for some of the test conditions.
The results, depicted in Figure 20, show satisfactory agreement
among the different runs.

The longitudinal distance between two consecutive data points

— 
is determined by the stroke of the model, the number of record-
ings for each averaged data point, the multiplexing frequency
of the data recording system, the number of pressures recorded
and the available testing time for each run. The standard tests
were made with 150 nun stroke, 20 recordings for each data point,
10.000 kHz multiplexing frequency, which resulted in 6.8 mm

- 
1 longitudinal distance between the data points. This gives in

some cases too few data points for accurate determination of the
shock locations. This is however, with the purpose of this in-
vestigation in mind, not very important as long as the magnitude
of the maximum pressure and flow angle disturbance are reproduced
with reasonable accuracy. This was checked in some tests with
reduced stroke, giving high point density at the shocks. The
results are shown in Figure 21 in comparison with the result from
a standard test and the agreement is considered to be acceptable.
It should however be noted that, with the high point density , as
can clearly be seen, the curves have a finite slope at the bow
wave, which is not correct. This is, as discussed in Section 3.5,
due to probe—shock interference. In Appendix 1, where the data

points are few at shocks, the shock—position has in some cases
been marked with hatched lines in accordance with the shock posi-
tion indicated by the Schlieren picture.
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4.22

To establish the flow characteristics for an interference-free
wall it is, as outlined in Section 4.1, convenient to plot the
pressure disturbance C~ as function of the flow angle 8 • An
example of this type of disturbance distribution is depicted in
Figure 22. It can be seen that the measured points form differ-
ent curves in different parts of the flow field. The disturbance
distribution (C~ 

- 8 relationship) is for some cases split into
two or three diagrams to facilitate interpretation of the results.
The ends of each curve in these diagrams are marked with a letter,
which is also shown at the corresponding point in the flow field
diagram, included in the same figure.

A complete set of figures of this kind, covering all tests per—
formed, is included in Appendix 2 (Figures 55-73). As outlined
in Section 4.21 the measurements are for some test conditions
partly disturbed by wall interference from the real test section
wall. Data points, which are believed to be disturbed by wall
or model support interference, are marked with filled symbols
in the flow field diagrams and are excluded from the disturbance
distributions. Consequently, and this must be emphasized, the
disturbance distributions are incomplete for some test conditions,
mainly combinations of low Mach number, high angle of attack and
large values of the distance model-probe. The extent to which
results are excluded from the disturbance distributions is in
detail demonstrated in the figures of Appendix 2.

Figures 23—33 present the experimental disturbance distributions
obtained for each combination of Mach number and angle of attack
investigated. The origins for the disturbance distributions are
positioned at the corresponding y and z coordinates in the
(y,z) plane. Only test results which are considered unaffected
by interference from the real wind tunnel wall are included.
Please note that the C~ and 8 scales are enlarged for the low
angle of attack cases.

The theoretical results for the wing-body configuration mentioned
in Section 4.1 and the theoretical results for a 100 half-angle 
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cone—cylinder with 2 per cent blockage at a - 0 according to
Goethert [1] are included for comparison in Figures 23 and 24.
The comparison between theory and experiment is discussed in
Section 4.1. Comparison with the cone-cylinder curves shows
that the disturbance from the body nose for the wing—body model
even at a distance r-103.2 nun (corresponding to 0.4%blockage)
is of similar magnitude to the disturbance from the cone of the
cons-cylinder model (2 % blockage) and also that the wing, even
at 5?7 angle of attack, gives disturbances of similar magnitude
to the expansion at the cone—cylinder junction. However the
slope of the wing-body curves differs substantially from the
slope of the cone-cylinder curves. The slope is higher in the
outflow region and lower in the inflow region. Below the model
(p = 180°) the curve is almost linear, while above and at the
side of it (p = 0 and 90°) it is curved upwards. This means that
for this case (a=0 and 5?7; 14,,- 1.2) a minimum interference wind
tunnel wall should have linear flow characteristics or possibly
differential resistance flow characteristics of a character dif-
ferent from what is required for a cone-cylinder.

All the experimental disturbance distributions shown in Figures
23—33 are summarized in Figures 34 and 35.

The influences of angle of attack and of distance from the model
at a constant free stream Mach number of N = 1.20 are shown in
Figure 34. It can be seen

• that the disturbance due to lift decays faster than the
disturbance due to volume.

• that in some regions of the flow field outflow is required
(0 positive) when the pressure is lower than the free-
stream pressure (C~ negative ) and vice versa. This die-
placement of the curves from the origin increases with

increasing angle of attack, which probably is mainly due
to flow curvature effects.

As pointed out by Goethert [11 perforated walls cannot pro—
duce characteristics to match the requirements for this

U
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type of flow, but theoretically combined slotted-perfor-
ated test section configurations could be devised, to
eliminate this basic difficulty. A convertible test
section configuration providing open or perforated slots
alternatively was suggested by Nyberg [17]. A pilot test
section having perforated slots with variable porosity
in accordance with thie concept is now being investigated
at FFA and could be a useful tool for further studies of
these effects.

• that the C~ 
- 0 relationship is linear or curved depending

on position with respect to the model, with larger slope
in the outflow region than in the inflow region. This
curvature increases with angle of attack and is, as was
mentioned in the discussion of the results for = 0 and

~O, opposite to the direction of the curvature of the
characteristics required for the differential-resistance
wall, which are based on cone—cylinder flow [1].

In view of these observations it is surprising that walls
of this kind have shown acceptable wave attenuating pro-
perties for testing of wing-body combinations [43 . Recent
measurements by Jacocks [16) have shown, however, that
a fixed porosity wall of the so-called differential resist-
ance type (600 slanted holes) does not have the supposed
differential resistance character but has approximately
linear characteristics instead. It was also found that a

• variable porosity wall of the same type but with the cut-
off plate displaced upstream yielded non-linear character-
istics with the largest slope in the outflow region, sim-
ilar to the disturbance distribution for the wing-body
model depicted in Figure 34. This ii an important result,
which deviates extensively from the earlier measurements

Lii and which completely changes the picture of how the
perforated wall with slanted holes behaves. The primary
reason for the deviation is probably that Jacocks made
careful Laser Doppler Velocity measurements directly of
the flow inclination in the proximity of the ventilated
wall while the earlier results were obtained by mass flux

_ _
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measurements, assuming that the mass flux through the
wall divided by the free stream mass flux is equivalent
to the flow inclination remote from the wall. This
assumption is reasonably valid for flow from the test
section to the plenum (outflow) but breaks down totally
for inflow [161 . Furthermore careful attention has to
be payed to the influence of the wall boundary layer.

The influences of Mach number and angle of attack at a constant
distance from the model rn = 100 nun are shown in Figure 35.
It is noted

• that the slope of the curve decreases with increasing
Mach number

• that the experimental data are limited by interference
from the real wind tunnel wall at low Mach numbers and
high angles of attack. This emphasizes the need for
reliable calculations at these flight conditions. Tests
with the model in larger wind tunnels could give further
valuable results, but difficulties with wall or probe
interference will still occur when the Mach number ap-
proaches unity.

5. CONCLUSIONS

A theoretical and experimental investigation at low supersonic
speed of the interference-free flow field around a lifting wing-
body configuration at locations where the tunnel walls would be
situated in a wind tunnel test has provided the following con-
clusions.

• Flow field data calculated by means of a transonic
small perturbation potential method show only qualita-
tive agreement with experimental data. Shocks are
smeared out. 
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• Flow field data for the non—lifting body alone calculat-
ed by means of a method based on the Euler equations show
promising agreement with experiments. A future extension
of this work aiming at the calculation of the flow field
around the lifting wing-body configuration should be of
great importance particularly at low Mach numbers and
high angles of attack, where the wind tunnel tests are
hampered by wall and probe interference.

• The experimental method used seems to give flow field
data with satisfactory accuracy provided that the local

• flow is supersonic and not disturbed by wall interference .

• The experimental flow field data show that the relation-
ship between pressure disturbance and flow inclination

- I varies througnout the flow field and is also affected by
angle of attack and free stream Mach number. This rela-
tionship, which can also be interpreted as the required
flow characteristics for an interference-free test section
wall, may be linear or curved , with the largest slope in
the outflow region. This is in contrast to the cone-
cylinder flow field hitherto used as requirement for
tunnel wall characteristics, where the largest slope is
in the inflow region.

• In some areas of the flow field outflow is combined with
underpressure and inflow with overpressure. Perforated
walls cannot match the requirements for this type of flow,
and it is therefore suggested that combined slotted-per-
forated walls, which theoretically are more suitable to
eliminate this difficulty , should be investigated.

J



~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 
- - 

-—~~~~~ 
--
~~

--
~~~~~ ----- - - - - •  

-

26

6. REFERENCES

1. Goethert, B.H. Physical aspects of three-dimensional
wave reflections in transonic wind
tunnels at Mach Number 1.20 (perfor-
ated, slotted, and combined slotted—
perforated walls).
AEDC-TR—55—45, March 1956

2. Goethert, B.H. Transonic wind tunnel testing.
Edited by W.C. Nelson Published
for and on behalf of MiARD by
Pergamon Press , 1961

3. Jacocks, J.L. Comparison ov variable porosity wall
transonic wind tunnel periormance for
upstream and downstream movement of
the cutoff plates.
ARO-AEDC-paper presented at the
thirty-first Semiannual Meeting of the
Supersonic Tunnel Association,
April 24—25, 1969

4. Binjon, Jr., T.W. An investigation of three-dimensional
- wall interference in a variable poros-

ity transonic wind tunnel.
AEDC-TR-74-76 , Oct. 1974

5. Hedman, S.G. Investigation of the boundary condi-
Sörensén, H. tion at a wind tunnel test section
Nyberg, S.-E. wall for a lifting wing—body model at

\ low supersonic speed.
Phase 1. Test preparations, revision
of computer program and exploratory
computations .
Grant No. AFOSR-77-3282, Interim
Scientific Report , 77 April 01 —

77 December 31 , Feb. 1978

6. Hedman, S. Methods used for investigation of the
Nyberg, S.-E. boundary condition at a wind tunnel
Sörensén, H. test section wall for a lifting wing—

body model at low supersonic speed and
some preliminary results.
Proc. of th~ 50th Semiannual Meeting• of the Supersonic Tunnel Association,
20—22 Sept., 1978 , Urbana, Illinois

7. Hedman, S. Investigation of the boundary condi—
Nyberg, S.-E. tion at a wind tunnel test section
Sörensén, H. wall for a lifting wing-body model at

low supersonic speed.
FFAP-A-440 , Material presented at
Sitzung des DGLR Fachausschusses 3.1
“Hydro-, Aero- und Gasdynamik”, DFVLR-
AVA Göttingen , 6.17. Febr. 1979

_ _ _ _ _ _ _



- 8. Schmidt, W. Recent explorations in relaxation
Hedman, S.G. methods for three-dimensional trans-

sonic potential flow.
ICAS—Paper 76—22 , 1976

9. Murman, E.M. Calculation of plane steady transonic
Cole, J.D. flows.

- AIAA Journal, Vol. 9, No. 1 , 1971

10. Murman, E.M. Analysis of embedded shock waves
calculated by relaxation methods.
AIAA Journal , Vol. 12 , No. 5, 1974

11 . Rusanov, V.V. A blunt body in a supersonic stream.
In Annual Review of Fluid Mechanics,
Vol . 8 , eds . van Dyke , M. et al . ,
Annual Reviews, Palo Alto, 1976

12. Rizzi, A.W. Mesh—related problems in the cal-
culation of supersonic flow near
Mach number one.
Proc. Conf. on Num. Methods in
Applied Fluid Dynamics, ed. B. Hunt,
Academic Press, 1979

13. Rizzi, A.W. Shock waves around bodies travelling
at slightly-greater—than-sonic speed.
Theoretical and Experimental Fluid
Mechanics, eds. U. MUller, K.G. Roesner
and B. Schmidt, Springer-Verlag, 1979

14. FFA Wind Tunnel Facilities
FFA Memorandum 93, Stockholm 1974

15. Landahl, M. Research on the sonic boom problem.
Sörensén, H. Part 2. — Flow field measurement in
Hilding, L. wind tunnel and calculation of second

order F-function.
NASA CR—2340, Nov. 1973

16. Jacocks, J. An investigation of the aerodynamic
characteristics of ventilated test
section walls for transonic wind
tunnels.
The University of Tennessee,
Ph.D.—Thesis, 1976

17. Nyberg, S.—E. A conceptual study of a convertible
slotted transonic wall configuration .
Paper presented at the 46th Semiannual
Meeting of the Supersonic Tunnel Asso-
ciation at ~atelle Columbus Labora-tories , Columbus , Ohio, 30 Sept - 1 Oct
1976 

- 



- - --- ~~ •~~~--
--~~~~~ - - -- .- -- -

29

y

300 
______

- -  Top view

P — — ~~~x-100 100 200

z
~oo

_ _ _ _ _ _ _ _ _ _ _ _ _  
Side view

-100
W 

_ _ _ _

_ _ 200

_ _ _ _ _ _  
- 

-

Figure 1. Model in computation grid.

_ _ _  _ _ _ _ _ _



- ~~— —— - —- ~
- - -: -~ 

--— -- -~
-

~
-

~

-

~~21//// ///j~///y/y J///////,-~ 7// ///

A

f lL

Lit;- ---
Hypoth~tj c,,l
wafl Rea l w all

\\ 
____________________________

/ ‘,W,,’ F/7,~/T~,7~77~

Fl~~ fiel d e~O$u,um~~~1
~‘ •h... 1in

L _ _ _  —— qa..&&
•.110

Figure 2. Principle of test arrangement.

t •sni~~~.r 50 eels
treniduc.r 15 e’i,

~~~~~~~~~~~~~ t 
~J

Figure 3. Schematics]. view of test set—up.

4

_  
_  _  _ _ _ _  • _ _



— —  
~-_~_ —~ -~~~~~~~~~~~~~~~~~ • - 

~~~~~~~~~~~~~~~~~~~~~~~ —• 

F-VIP 
•-

Ro,.~d.d r.0.2

_ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _113

_/ 
_  _ _

_
_

Figure 4. Wing-body model.

0

‘p 
_// 0~~98 

- 
_ _ _ _ _

/

36 7744
37 072

A.rofoil Section • Modified MACA 644A0044

W c %  e./ c %  x/c % e/c % .1c %  ./0 %
o o 20 1.706 60 1.6141

0.5 0.318 25 1.839 65 1.3014
0.75 O. )88 30 1.931 70 1.367
1.23 0.1492 35 1.985 75 1.229
2.5 0.679 440 2.000 80 1.092

5 0.957 443 1.967 85 0.955
• 7.5 1.129 50 1.890 90 0.817

10 1.286 35 1.778 95 0.680
15 1.326 56.969 1.725 100 0.5143



_ _ _ _ _ _ _ _ _ _ _ _ _ _ _  - TI

32

- :~~ ,

I j~~1 I 4 ’  (1 . Pt,i~ I 4 ) t ~ I1 I~
4 II iii ’ I lit’ I 4 ’& ~( ~-4t ’ I — t l

~

1 - -

~~
~~~~~~~~~~I - \~~~~)~~~‘~\ . ~4~)

— 
/;, S.

’

~~~: ~~~~~~~~~~~~~~ 
t4~~~
j

~~) ~~~
- . 

~~~~~~~~~~~~~~~~~~~~~~~~~~~ - 
-

I~-’i (~~* I ’ t ’  7.  (‘ ,It ll ) I t i~’tl I I o W  I li t ’ I i II.II i ~~II Itliti ~4t ~t t  i t~ p i t  ot
l h l ’ I’MMIII’ I’ ~~I’IILft’

- - - I  ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ -



33

Pe~ 0 3 Ps

Ps2 e~
’Ps4

- ‘~~
Po$~ - 

~~~~~~~~~~~~~~~~~~~~~~~~

T:::IC.r~ter%in. Q~~ ~~~~~~~~~~~~~~~~~~~~~~ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 2 -4- 4

a~~~’ °

Probe . ‘ e l~~~o I  pl ane Probe hor izonta l plan.

4

11’low inclination ~uometry.

Ps5 o —o °

030

0
HO 115 120 125 M 130

Variation of static-pitot  pressure ratio
with Mach number at ioro angle of pitch.

Ps6 /Ps5

10) M~~ 11 13  ( Ps 5 ) 8I (p~5 ) 8_ 0 o

• ~~~ 
/

z~~~~~~~~~ o

0 

_ _ _ _ _ _ _  _ _  

M : 1 1~~13

I ( 099 ~~~~ 
00 

0 ~99-

• 098

~ é~~7o -io -
~~ I ~ 0

0 1~O
Effect of angle of’ pi tch  oit ratio Effec t of angle of pitch on
stat ic pressure t o  p ito t  pressure. pi to t  pressure .

Figure 8. Exempla. of p~~b c~~ ib~~tion ~~~~lt..



— —--.- - - -•

-~~ - - J~~~ -_ -~

Ps1 Ps3 •Ps41s2q 0 q
0.5 $=O 14=1.2 0.5

14=1.2 

/

,= I 

-i’o -

~~~~~~~~~~~~~~~~~~~~ 

i~o

Variation of static pressure
difference coefficient with • 270°

- - angle of’ pitch .

0.54-
k

0.52-

0.50.

068-

1 Io 1.10 1.1 5 1.20 1.25 M 1.30

Calibration constant k variation with Mach number,

o1~
2

•

•
g
~ 

_ _ _ _ _ _ _ _ _ _ _ _ _ _

1 1
0

0 V 1.10 1.15 1.20 125 M 130

o 0 ~10 1.15 120 1.?5 M 1?0

- 0.364_2 I 
______________________________

-0.5 J

Variation of’ probe angle 6~~3 and 642 with Mach number.

U 
_ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _LI Figure 9. £z~~~ 1..t.of. D o ~~~~’~5~~-~~ ‘-

~~~~
- - -



35

Leg.nd

I TSP Euler200 - / M thod Method

I

f 
CP

L a - — -—r ~~~-..

Or 
r • 153 2 .- / ~~~~~

.— ,•,
~~~

._——-—

.103 2 
___________________________________O r  -“..~~~~ ij ~ .j / ‘. _ — — ......J —

‘-‘-‘(I \/. Y~
r a 73 2 ~~~~ ~~~~~~~~~~~~~~~0~ . 

— —

— 005’~1-1 I ’ ’Cp

0 - _______________________________________________

-100 100 x 200

005
/

\_-_
___S•,._ _ _ _

~~
...

r .7 3 .2  -‘ ,• —.
I / \.. — 

- - - .~~~~~~~~~~~~~~~ —--—---_______

o~ r a 1 O 3.2 

~~~~~~~~~ ~~~~~~~~~~~~~~~~~~~~~~~~~

r a  153 2 

~ 
~~~~~~~~ 

—

~~~

200 
~~~~~~ _- SHOCK WAVE

t .  153.2 
— ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~

~~~~~~~~~~ 
: 

90

CP

.1
O.05J

Figure 10. Theoretical flow field characteristics of’ the
wing-body configurat ion at M , - 1.2; ~~~ -



I~~~~
_ 

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 
F 36

TSP
200 Method

Cp
e

r.153. 2 — ‘

Or —. ~~ _ _ _ ______~~‘Z

:~..i
22 ~~ ‘P.160

ra 1 5 3 .2  
________________________________________

I 
~~~~~~~~~~~~~~~~~~~~~~ H

- 200

200

y

O r .  153. 2 —E

p. 90
r. 103.2 .— 

~~~~~~~~~~~~~~~ 
1

r_•_73.2 ./ ________________________________________

- 0.0S 
1

C~ 

0 

lee 
~~~~~~~~~. ________________________________________

-100 100 * 200

0.061

Figure 11. Theoretical flow field characteristics of the
wing-body configuration at M

50 
= 1 .2; a = 5. 7°.



— -
~
---— -

~
-— -— -• . •

~
-- -- - -- .U’

37

010
Cp I..g.nd

TSP m.thod
005 ——— lO haIf-ongle cons-cylinder

• with 2% blockage at ~
.0.f1 I

-
~~ 

-
~~ i r 

_._._._._._ _
~ia~1

I
__________ 

~~ Z~2 Zdb03.2
-

~~~ 
.
~

I 
I . ~~~~~-2 -1 < / I r 2

/
aic~ O.i0~ 010
Cp Cp , ~

‘I
I’ -~~~ 

o.05 005
/ /

— .  ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 

-

~ , 

p/

/

I ~ / 
0~ ~

010 -005 -0.05

/7 //

/ /  / ..
~~~~~~~ -o~o -010

-i - e’~~ I
/
~~ I

~ 2 ysO Zz-103.2J
.~ ~~‘/ e,, Ip

-2 -1 1 9• 2

-005

Figure 12. Calculated disturbance distribution of the

_ _  _ _ _ _ __ _  _ _



• 0.10

c Legend
P —— TSP method

0.05 10 half-angle cone-cylinde r
with 2% blockage at a:O~( l ]

____________ ______________ 
Z~153.2

-~ -; / 6• 2
NI

~LI

/
7

___________ 7 / / y=0 Z= 103 2
-~ 

-
~~ c1 ,‘~‘ 

; •_._*_._._.
~i/ /
9

~— i/ i  y=O Z=73.2
-

~ 0.10 0.10 0.10-

// Cp Cp 4  C~
//

010 0.05 Z’05 005
- . / 1

———k— 
-

0.10 -0.05 -0.05

P /1 /
/
// 

~~0.05 
~~~~~~~~~~~~~ 

/ -0.10 -0.10 -0.10

-
~~ ~ 

/ ‘~
,‘/‘~~ie  ~

‘I I
/i £)~ .-2 -v? I 8 2

/,

/‘

-2 -1 I e a 2

-0.05

Figure 13. Calculated disturbance distribution of the

-
~~~ 

wing—body configuration at M0 = 1.2 and ~~ = ~~~~~~~~

_ _ _ _ _ _ _ _ _ _ _ _ _ _ _  ~~~ • •. ~~~~~ - -- -- ----



—-

39

p

•.1B0

- 

~~~~~~~~~~ 

~~ ~~

I” i eu ro 114. Theorot I cal and o~(pot’tmonta I f ’Iow f’ie Id.

20, ~ = o° , r = 71. ! nIII and ç = 90°, 1800



-~~~ ~~~~~~~-~~~~~•

- - 
- 

-

The ory . . -:
F . I tP r met r.,’O 

-

~~~~~ 1

a

‘P 180

-,S.--_-•
~

-
~

_

~
_ 

~~~~~~~~~~~~~~~~ ~.. 

I.I~ 
- 

‘ ,~

F I j~ii t ’ ’ 1 ‘~ - Tl~oo ret i cal and experiment -al  f’low field

M 1, = 1 . 20, a = 0° 
, r = 101 • 2 ,ie~i and ~ = 0° , 90

0
, 1800

- ~~~~~~~~——- - - -- - 4



—.- - -- - - .
~~~~ ~~— - ~~-~~~~~~~~~- -~~~~~~~ - -— -. ~~--—-

41

.+- g o .

~-

~~~~~~~~~~~~~~ 

:~~~)~
ç

’.~ ~~~ - - -~~~~~
•

.
~~~~~~

“4

~~~~~~~~ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 

I I 

I 

I t I I

F i~~t i i~’ I b — Theo i’i -
~t I 4 ’.I I ~iiit1 (‘ XV I’ i 1110111 ~I I F I ow I ’ i t ’  Id -

0 o
M 1 . , a = 0 , I’ = I~ 1. ..‘ IIUII .111(1 ç’ = I.) • 

t R) 
•I

L ---- * ------- - -



- - 

2 

-

~~~~~~~~~~~

It
.0.10 I

~ : / : -O. I • ~~~~~ F-

- , 

-2 
~~~~~

.

1• I r i

-.0.10 Ip 180
£ 0

,A*e 
~~~~~

-0.

, 
- 

I ).
~~.

~~~~~~~~~~~~~ ~~, ~~ I f5o . .
0. Legend

Theor ~xp

-2 C~, — - —  —0--—

0.I e — —
Shock position tøken
from Schlieren picture

Figure 17. Theoretical and experimental flow field.
0 0 0 0M~~= 1 .2 O , c v = 5 . . 7 , r=73 .2mm and p = O  , 90 , 180

II. . I ----— - 
—.- - --- - -



— ~~~~~~~~~~~~~ 
— -

43

-0 . io - ‘P • 0~ ~
() 

III •D • 9O •

~0 a — 2(h)

(1.10 (( .1(1

,

Jr 

/
‘

/ / /1 4k

I~IO . — 
(~ ~“

Figuro 18. Theoretical and experimental t’low t’Ield

M~ 
= 1 - 20, a -~ 5 • 7

0 
, r = 103 - 2 fm and ~ = 0° 9( )0 , 1800



~pIppp- _ _ ..

~~ 

-—- 

~~~~~~~~

- -
-

- ~.
. 4_ _  

.4’ - ~I4 V

~ ~?z~ 
k,.. -?, 

:~

I ? 

~~~~~~~~~~~~~~ 

~‘~‘~:.:: 
~~~~~~~

l’ i j~~it~~ I ’) . I ’I 1l ’1111 ’ t i t ~~l I  ~ t i I  , ‘X111 ’ l’ i I l l I ’ I I t  .~~ I l I i . - t ’ i  .‘Ii .
M 1 

• a = • I r I . ,~ - 1 1 1 4  U) 0 , 11(1”
• 1 SI

- -



45

-0. 10

c~ ~ Legend

Cp 
__O

~
__ •

~
+__

- 
e —~~——— x—

-50 ~~~ z~~~~~ 
2&)

0. Ii

—0 .10

~~~

-0.05

~

o ióo 

)
~j x umm~~~o ~~~~~~~~~~~~

0.05
-f

-2

0.10

-0.20

Cp : A
-0. tO

-~O I ~~~~

-2

-I,

0.10~

Figure 20. R.~eatability checks.U C~(x) and 0(z) for the stop waliw ( ,_ o0)
— 

_ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~



___ - - -. — ---—- - - — — ~~~~~ ~~-- - - - -——--——----— . —.-‘.-.—-- .-~~—- -- -— ---—
~~~~

--- —
46

.2

I Fl

t i

ii
4.1

v~~

0
It’



________ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 
-. —

47

-0.10 ..0.Io ••

Ce I a

I 
~~~~~~~~~~~~~~~~~~~~~~~~~ ~~~~~~~~~~~~~~~~~

o.~ ‘P.0
.

I

0.If 0.10 
I . I( 1 . 10

V :~: 

• 

~~ O! 

~~~~~~~~~~ 

:~ 
/

.~ .1 ~~ .• * -2 I —2 
_I)

~ I 1° a .2 -l  I .0 2

0 ‘.0.01 -0.05 .fr_0•O

~ 

C

.0. ~~ -0. 10 -0.10 0 10

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 

~~~ 

. —
— - ~~~ Figure 22. Exanpie of experimental

~~. 
flow field and disturbance

D distribution.

M~ =1.20, a = 0 0, r=73.2ivuu

‘P.160’ ~ =0~, 900, 1800

0.lC 0.10

/ Note: A complete set of figure. of

0 0 
this kind covering th. test
progran i. included in
Appendix 2 (Figure. 5~ - 7)).

-i 

~

•
‘ 

I ~ ~ ~~~~ 
; ,._

-0.05 S .0.05

.0. 10 .4.10 1



0.10 Legend

Cp Theorr

A Experiment
005- // Cone-cylinder (1]

7/ 
2% blockage

74’ - 
yaO

-2 -1 .._-~5 1 9 2
I
/ I.,’I (I)

,

I

/ 4
_ _ _ _ _ _ _  ~________ _jzO Z.l03.2

-2 -1 - AIY r 2

I/ f l ’’ 8
f’° ~/ / yxO Za73.2

-2 -1 4 /  1 0 2 N

I-’ ~I
0.10

Cp C~/ .~i 
/ 

Cp

0.05 ~~~~ / 0.05

j

~~~~~~i ~j
(e~~

0.10 
/,~O5 

. -0.05
Cp / ,4 //

// .1 ~//
005- / ./  j/ -010 -0.10- -010

-2 ~~~~~~~~~~~~~~~~~~~~~~~~ 
~ j

. /-
/ 

~

‘
, - . — ._~z.• .~-!~2.2J

-2 -9-” !‘ 1 0 2

_ _ _ _ _ _ _  _ _ _ _ _ _ _  — . — . —. — .
-~ ~~~~~~~~~~~~~~~~ 0’

Figure 23,

01 

Theoretical and experimental disturbance di at ribut ion~~~~~~~~~~~~~~~~~~~ 
-~~~~~ -~~~~~ —~~ ~~~~~~— -  - .~~~~—~~~~~~--_--- --~~-- — — - — -  --~-— --~~~- - -—~~~- —.----- ---— 

- -



49

0.10 Legend

c~~ 
Theory
Experiment

0.05 Cone-cylinder [ 1 ] —.— .—

/ 
2% blockage

I

V
-2 -1 1 V 2

____________ -~~~ / ..r o Z ’103.2 I
-2 ~~~~~~~~~~~~~~~~~~ 

.— .— .
~1

~~~~~~~~ r11
010 010 010
Cp Cp

- 

~~~~~~~~~~~~~ 

- 

00: 005 / 
e’ ~

0.10

Cp I 14 ~9Y
//0_os 

— -( 
~ -0.10 -010 -010

____  ~~~~~~~ 
yaO~~~ fl2j I

-2 -i

144’ I I
I _______________. i~~9 

_~ ‘19~:U 1

-2 -1 1 0 2

-0.05 - - -

S

-0.10

Figure 24 Theoretical and experimental disturbance distribution -



~--~~‘r 
--

r 50

0.20
Cp

-~~~ -

~~ 0.10 

/ 
r 

— - — — -

(—4

I Is.)-

/ III
/ / - — - - ~~~~~~~~~ 2

~~~~~ / 

a. ~ 

y=0  Z:732

~ ]- I I

~~~~~~~~ 

~
:° °

0.10 

~ / 
o: 

/ 
~

010

0.10 

// 
-0.20 

I 
-0.20 -020

I- I,J~~~~o.�i~~ I
-4 -2 

,,,
/ 2/e’ ‘. I 

-

~~~1’!/ 7 -— .~~~~ _Q_~~~iQ~
-2i

-1. -2~/’ ~/ 2 e

— 
_________-— 

—

2 2 0

-010

-0.2C Figure 25. Experimental disturbance distribution.

_ _ _ _ _ _ _ _ _ _ _ _ _ _ _  

M
•
Z1.20, 

_ _  _ _



--~~~~~~~~
--- — - — —- —--~~ •~

._ — .-- -- .  ——~~~ —_w. - -  _ _ _  

~~~~~~~~ 

-
—

51

0.20

I • —-  — - —_
-‘ -2 /

,
,
,,
,

/ 4

I .- 1 ‘ ~~~~~4/
2 0 S 4

~~ O Z ~732

- 

-2 2 e “

-
~ -010- 0,20 0.20 0 20

2 e i

‘ l- 
. ) ~0

10,

—

0.20 -0 20 -o.~o
Cp ) -

0.10 / I 
I

/  I
- -4 -2 2

,
0 4  

I

____________ _____________ - ..Z!. 9 _ ±~ J
-4 -2 2 0 4

I -o2 o Figure 26. Experimental disturbance d i s t ri b u t i o n .

~~~~~~~ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~



- ~
— —

52

0.10-
Cp

0.05-

____________ ________________ 
yzO Z.102.6

-~~~ .1 ~ a 
~

1/1

0 -

I Cp

- _  - - - - 

- -; - 9.

0.10- 
/ 

-0.10-

Cp / /
005 //

____________ ______________ 
yzO Zr-102.~J

_
~~ -i
,,

-0.10

Figure 27. Experimental disturbance d is t r ibut ion



-

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~

-~~~ -
i/1 

0 2 
- —

7

/ 

1
-0.10 0.10

Cp 
J

0.05

-+ -

~~ -0.05

010 -0_b/ ~.J
1 9 2

.0!

-0.10

L Figure 28. Experimental disturbance distribution
- 

I . _ .-~~~~~--- -~~~~
-_ —.- --— -~~~~~~~- ~ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ _ _ _



J4

020

____________ ______________ 
y.0 Z~ 102.6

-i 
,,
,/

- 0.10- a
II

-020- 
020

-i . i 95 j

_ _ _  

v/f
_____________ ________________ - 

_Y. _ _ Zu1~!~2..~_
-4 -2 2 0 4

-010-

-0.20-

Figure 29. Experimental disturbanc e distribution

M~~~~1. 15 ,  a = 16.8° .

_ _  - .-—~~~~~~ — --— _ - ----— — --—--- — ,  - -
~~

-—
~~~~~~~~-— ~~~

—-.



1-

--
I

0.10
Cp

0.05-

__________ ____________ 
y:0 ~~1053

-2 

-005 

1 0’ 2 — — —

-010
0.10

- 

0.05

- 1- 
-

~~~ ~~~~ 8~ j

~~ . -0.05

-010
0.10

I 
_ _ _ _ _  _ _ _ _ _I _

~2~~~2~-2i-2 -1 

-005 

1 0’ 2

- 
-010

Figure 30. Experimental disturbance distribution
M = u .~~0, ~~= 0

~~~~J i —— -~~~~~~~-~~~~~~~ - - - - .
~~~
-- .~~~~~~~~~~~~ _ _ _ _ _ _ __ _ _ _ _ _ _



— - - - -  ~~~~~~-~~~— ~
------ .------ -- - —.

~~~
-- - -  -

_

0.10
Cp

0,0! /
/
/I______________ y.O

7 
0.05

-0-Ic
0.10

_ _  

:y
-005-

010 
-0.10

_ _ _ _ _ _ _  _ _ _ _ _ _ _ _ _  — -

- 2  ~~~~~~~ I 0’ 2

11
-010

Figure 31. Experimental disturbance distribution
t4~.1.30, e.5.7°.



57

L

0.10

_____________ ________________ 0 Z~105.34 .~ ~~~~

-0.10-

-0.20 
(120

:~. 
A/

- 

- i 

0~

-

~~~ ~:; ~~~~~~~~~~~~~~~~~~~~~~~~~

-0.10

-0.20

Figure 32. Experimental disturbance distribution



- - -.
~ 

- — —..-— - - - ~~~~~~~~~ •~—.---r - —---.—--—-_---——,-- —

- i  ¶
0.20
Cp

0.10-

______________ 
y~0 ZzlOS.3

,i:/,IIII~
;:7 

-— - — - I1
-0.20 

I
0.20-

Cp

0.10 /

— 
~~~~~~~~~~~~~~~~ r— ---- 

-
~~~ 

-
~~

i
)
~~~~~~~~~~~~~

0

020 1 -Q20

Cp 

/
010 / I

I - —-

-L -2 2 V 4

-020

Figure 33. Experimental disturbance distribution

_ _ _ _ _ _ _ _  

M~~a1.3O,~~~ a 283° 

___



59
Legend

“top wail” , ~~a 0 °

“aide wall” , q,~ .9O

“botto.~ wail” , ,= 180°

Blockage 0.7% 0.4% 0.2%

-~~ r . 73 . 2 r — 1 0 3 . 2  r . 15 3 . 2

0. 10 
/ 

0. 10 0. 10-

a .0 ~~ a .0 C~ a .O ’

-4 
2 /  

~~~ e~~~~~~-4 

~~~~~~~~~~~~~~~ 

~~~~~e 4 ~~~~~4

-0.10 -0, 10 -0. 10

0. 10 1.! 0, 10 0. 10

LI ~~~5 ?  
c ~~z 5 7 •

p j ,fl p ‘ p

_ _  _ _ _  _ _ _  I
-4 ..

‘
2~~~~~~~~~~~~~~~1 ~~~~~e~~~~~~~~~~-i -~s ~~~~~~~~~~~~~~~~~~~~~~

Al /4
/ -0.10 -.0.10 -0.10

0.20 ) 0.20 o.20

~ . 

c
p c

p c
p

0’16.9 
~~ 

/ - 
ti .169 a .169’

o.io 0. 10 • 0. 10

¶ A
l.

1 / ‘‘/  _ _ _ _ _ _  _ _ _ _ _  _ _ _ _ _ _  _ _ _ _ _-I- .~. .
~~ / ~~‘. ~ . ~ :2 r .~ ~ 4 _1, .~2

/ 1’)J / a .279 ’ / ~/ a.279

7 
~~~ ,/ 

/
/ 

~ 

0. 10- 

j

,

/ / •  0. 10

• 4 2 0 

: 

2

Figure 34 Experimental disturbance distribution c~ ( ~
) due

to wing—body configuration for model blockage
areas 0.2-0.7% and angles of at t ack e=0°-28°,

-. — -_ .-- - ~~~~~~~~~~~~~~~ _ _ _ _ _  
-. 

L



~~~~~~~~~~~~ 
-- --— —-~~~~~~:- ---— --

~~~~~~~
- ‘

~~~~~~~ 
- -

r~~
60

Legend -

k “top wail” , ~ = o °
— — — “aide vail” , ~ ~ 900

“bottom wall” , ~. 180°

M~~a1.15 P4~~~,1.20 M,”1,30

0.10 0. 10 0. I0

~ 
a .o  a . 0

~ -/ p c
p /~

-2 2 e 4 -.1 -2 2 -2 2 0 4

.0.10 -0.10 -0,10-’

0. 10 L’ 0. 10 0.10
~~~.~~~~i 

a.s ’ i ’ !,, a. ’~7’ C /
P 

/
7 ~ //_,

.:4 .2 ~~~ e 4  ~4 -
~~ 

/ ,  ~ e 4  J4 2 2 i~

/f  7
-0 . 10 -0. 10 -0.10

0.20- 0.20 0.20

C~, ( C~
• I, - . I ,  0,, / u.169 

/ / a .171 / /0. 10- 0. 10 / . 0. 10- / / -
I ,,  5 // 1.

0.20 / “

7’) /~~
‘

0 .279’ ,
~~ / // a.�e f /

‘ / / /
/ 0. 10 

/ , .  
0. 1(1 

/ ~,/ 
Iv ,, / /,

‘

_ _ _ _ _ _  _ _ _ _ _ _  

I
—Ii .2 

,
/ a a 4 .~ -

,
,

.i
1~~

’ 

~~ 

4

Figure 35. Experimental disturbanc e distribution c~ (e) due
to wing—body configuration for Mach rnsnbers 

~ 
- -

14 — 1.15, 1.20, 1.30 and angles of at t ack e 0 - 28
area 0.4%. r m 100 nan.



.
~

-
~~~~~

.
__ _

‘~~~
___-w - -.--- ,.~~~~ ,-,. ,‘~~~~~~

--—- -- - ---_-. - ---. --- ,---,.-----— _- _ _ ___
~

_ •
~~~

_ ‘_
~~~~~~~

____ __
-w 

~~~~~~~~~~~~ ~ T-~~~ - 
-. 

~~~~~~~~~~~~~~~~ 
- ---‘ ~ 1

A P P E N D I X  1

4
Figures 36 — 54

-1
4-
a.

I

L
L.. - _ 

~~~~

, - . ..
~ ~~

_ - , -



~
- -

~
- -

~
— . - - -

~
- - -  . - - — - - — -- -. - - -~~~~~~~~~~~~~~~~ - - - - - - - .  -- - - . -

61

-)I. IC -0,10

~ 
ø.o~

~~ _________________________ 

-0.05 

~~~~~~~~~~~~~~~~ I 15b 0 n  2~O

2 - 
-

‘p_ leo ’
-0.05

— p
0 i~o .~~~~~~~~3

0. 
Legend

C
p 

_
~
_O

~
__

0

Filled .ymbols: fro n wall

Figure 36. Experimental flow field
M =  1. 15, ~~= O °, r =  102.6 nan and ~p = O °, 90

0 , 1800

_______________________________  
____________  * ~

~~~~~ ~~~~~~~ ~~~~ : L ~~~~~~ _ _ _ _ _ _ _ _ _ _ _  

—
~~~ --

p

75

~1



62 

- -

-0.151 P.O - - s. 
- 

s
~~ .90’

— 

I 

—

-0 .10 ‘p~ leo’

~~ 
I uge,~ l 

~I~~~~~~~~~~s : i : :~. : ~~~e,,

P t  I I,..t ,s~-,,I.,.I,: ~ t In,,. .11 .InI I.,. .I II’S .., cal I5 ,, ’”,. -

Figure )7. Experimental flow field

M = 1 • 1 5 , Cl = 5.7~ , i’ = 102. ~) nan and ~ = 0°, 900
, 180° 

—-.—-- -.-- *
7

~

’

~~ 

j~~~~~~~~~~ ~~~~~~~~~ - 21- -

76



‘P .0 ’ ~“

p. 180
‘ I, I

~~~~

- 

~~~~~~~ 

f - - - —

~~

--  - - t 1 S -~ ‘~

I 
I ‘.1 

p

F I ~~ ti t’c’ 18 . Expo r [mont a 1 t’ I ow I ’ I o I d

= I . 15 , ~ = 1 ( .8
0
, r = 1 O~ . (s lu ll t i t t l  ~~ = (1 , 0 180’

a’ ~~~~~~~~
‘• - - — - ,  - -—-- --~~ ~~~—

- - -- 
- —•--—-—

~~ tel
- 

-- -- -
~~ 

-. -
~~ ~~~ 

....—T~~~- -j - —



‘~~ ‘~~~~~~~~~~~ 
‘

~~~~~~ 

~~~64

‘S _ I ’ l
l 

~
. 

‘9.0’ 
.“ I~ ’ 

~~
, 9Q

I 

l J
~~~>c4

~~~~~~~~c 

1

Its .  —

P.160 ’

- ~t ~~~~~ — 

I 

‘~l.’. “ ,  I 5. ’tt I s~s .s ’ I’ss~~
Iii ‘‘ ‘ ‘ ~‘ - s * ’ I S i I - ~’

F1t~~1!’t’S ‘3() Expi ’rimt ~t~t .~1 Ii ow t’ic’ id
I . ~~~ Cl = ()

0
, ~ = ‘7 1 . ~ 11111 WId ~~ = ~ , 1~~0 

--_ _ _ _ _ _  _



I
~

I ,,, ‘P.O.
- 

1~
’
~ 

/ .) .t0 ,

- : 
/ 

k~
- 

-
~~‘t ko 

~~~~~~

‘P,l80’

--~~~~ 

~ 
~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ ~~~~~~~~~~~~~~~~~~

? ‘
~ / I og.’ISsi

-2 1

St .,
I - ~-.ht’,’l5 Ix”’ ’ I t,’,S I .tb,, ’,s t ’s’om

‘— .1 ,1  ~~~ I ’ s .  t I l t ’ S ’  -

Figure 140. Experimental flow t’iold

= 1 • 20, a = 5, 7
0 r = ‘7’s . ~ 11111 (U~d ~~ (~ O ~1 t So~

- ~~~~~~~~~~~~~~~~~~~~~~~~~~ _,~~~~-—-~~— ~- - ,;_,_



66

P. O~
:‘:~

‘ :-‘

‘sO ,,. t ‘so — ~oo

Cp I

- 0_ t o  i

-42~ —~ ~~~-- -~~---~~~

0.10 I

Legend
I

0.20 I e —
~~~

- ——-

— — — Shock pos i t  ion t ,tko,, from
Scl t l ioren picture .

Figure 41. Experimental flow field

M =  1.20, (1= 16.9°, r=73.2 m and q~=0°, 90°, 180°



67 

- 
_

— 

~~~~~~~ 

- 
—

P 
- - -

~~
a -

— — Slis t s’k l~
t $ it I .‘,t I olson t’.’~m,

I oven p15’ I %II’e - 
-

Figure 42. Experimental flow field 1
M , = 1 .20 , a = 27.9

0
, r = 7’). 2 nan and c = 00

, 90°, 180°

~ 

______ - 
_ _ _ 

- _ -



- - - — - - ----- -

r 68

‘Ps 0’ “ : - °‘ - p. 90’

-

/1114

~ 
,~

i

~::~iI
k1 

-

Figure 143, Experimental flow field
0 0 0 0M =  1.20, C l = 0  , r =  103.2 nan and p= 0 , 90 , 180 

_________________ ______



- -  - ----
~~~
-- --- _ _ - ---- - _--

~~
- ‘ - -

~~~
— ,  

~~~~~~~~
--
~~~~~~~~~

- - - 

69

‘P.0 ’ 5’ - ’,, ‘p ’90 ’
a-’

5~5~ S I,

~~

, IltS • — .4.’ 

~~~ 

I ~It~ ” I

i”I~-~ ii’.’ 4 1i. ~ I~~~1’1 H)t~1It  , i1 I I  t~w t ’ le ’ I t I
M = * ‘  — 1( 13 .  •‘ 11111 IlIki — 

(I

--
_ - -- -_ 

- - -  - -~~~~- - -  — i - ----



- -

70

‘ II — 

I 

—.

- 
_ 

Il _ / It I,,..,,

0 , ~

~ ‘I

L
—0 ._ I ) 

-.

‘ 
I’ •a.teo’

,,,,~, 
-I j  I 

,~ 

:‘;:‘~, : , : : ‘
~‘,,~~ “ 

I”
-

t” t ( ~Ilf’ (’ ‘15. Kx I s ( ! rj nu .r , t ~ l I  t ’ Jo w

M = I .  ;,~) , CI I(~ .9
0
, t’ = 103 .  ~ nm ~IlK I ~i = 0

0
, 90

0
, 1800

_ _ _  _ _ _ _ _ _



-0./I’ ‘P~ O • 
-~~, 

.,, P.90’

: 
~~

- ‘~
i-- 

-

~

“

~

t 

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 

.— —.5’,” - ,“

~

- I~~’-: --‘S.

0./Il 0.20 1

4” .t

/ / ~~~~

-41 .211
‘P.180

I,

rr~~~~~—0.10 
• 

I

a 4 ~~

, 
- 

,~~~, . —

1’
—) I0.Itl

I I’I 0
-
~ I

‘is. ’. Is I” ’” 111 ,1 11 I,.k,’ ,, I s ,
1,1 S,’tt ’ Il f IS I ts. ,’  -

l’ s I I,’s l st,mln ,I 1 , 1  u - - s I, .l,,,i,, I I n.. . c. ,I I
I ,’ ,  I , . ,I , , -

Figure 46. Experimental flow uiold

M = 1 • 20 , Ci = 27.9
0

, t ’  = 101. ~‘ Han arId p = 0 , ‘10 , 18u’’

_ - _ - —_.- - - - -  - --~~~~~~~~~~~~~~~~~~~~~~~~
- - - - 



- ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ -—- ._ .- — —~~- -

72

‘9= 
,. - ‘9 .90°

-~~. ~~~~~~~ ~~~~~~~~~~~~~~~~~~~ .. , ~:if ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 

- es,

_It . to
(‘ p 2

—(S.o .s

- g 
~

i, ~ 

::~
‘:~:

‘ ,~~
“ ‘ “- -“  I

15. 10

Figure 147. Experimental flow field

= I . 20 , Ci = 0
0

, r = I 53. ~! nan az~ 1 -~ 0
0

, 900
, 180°

L~~1. - _ _ _  
_ _ _



73

:, ‘° p.0 ‘9.90°

40

/ ‘ ‘I

.0.10

c~, .
~ ‘9.180 ’

°°

~ ~~~~~~~~~~~~~~~~~~~~ 

II± E 

~~~~~~~~~~~~~~~~~~~~~~~~~~

0.10

Figure 48. Experimental flow field

M = 1 .20, a = 5.7° , r = 153. 2 mm and -~ = 0°, ‘10°, 18O’~

- -

~

------

~

_ - - - - - -  
-‘- - - - - -~~~~~-_ - - — - -~~~~~~~ 

- - -



~‘ ‘q T~-’~ 
.. ..

~ ~
,‘

74

p.0 ’ “ ‘9. 90 ’

—

-0.20

-0.10 

‘P. 180’

I~~~ ~~I 

Is I

I 

I~ 

~

F i j~tI I’t’ 119. Exp ’r I otl iui t  I I I  I’ I tSW

I . ~~0, Cl = it ’ s . 9
0
, r = I - 11111 atitl ~~~ = , , 180°



Figure 35. Experimental flow field
M,, = 1 .15, (1= 0~~, r = 10 2 . 6 m and , = 0 ~~, 90

0 180°

~~~~~~~~~~~~~~~~~~ 4 ~~~~~~~~~~~~~~~~~~~~~~~ 

~~~~~~~~~~~~~~~~~~ 
- 

~~~~~~~~~~~~~~~~~~~~~~~~~~~ 
____

‘P . O . 
. 

.‘ S5 955

r 
“ ‘a •

0. 1 
“ . 

~~ 

!~±H.:~
•j <~ 

-

I

‘9. 1P11

- ‘ ~~~~~~~~~~~~~~~~~~~~~~~~~~~~ ~t , 

l

:
~~

l

~~

SI 

~~~~~~~~~~~~~~~ 
““

. ‘ ‘ 

-. 

1 ~~~ t • ’.l - -,,.( - - - I - . :  % . ~ t .u -’ ,~ ,- . I ,o I.-’Sl ,,.,,

.‘ .‘S

I’ i~~ t I t 0  ‘10. Expo t ’ iu i t ’t u t  ~t I  t ’ I t sw t ’ i ’ l d

Ma, 1~ _I. l • :?‘7.~l ’’s , i’ = 1 t I .  .~ lu l l  , I T I s I  cs ’ = ~~~~ ‘10’ , P80’’

- _ _ _

~ 



Fi gure ‘37. Experimental t’low fie ld
H = 1 - 1 ‘1, Cl = 5. 7~, r = 102. 6 nan and ç = 0

0
, 900, 180°

— ~~, 
--

- -
~~ ~.~;:r~

= 
~~~~ ~~~~ 

-

~~~ ~
-- -

~~~ ~~~~~ ~~~
- 

—— 

--
~~~ 

— 
~
— 

~~~~~~~~~~~~--

76

a (‘~; ~ 
SO’

L-: l ” s i t - ,( - -~ m ( - - L . :  5~~~ , 7 1 - ~~~~~1 . 1  t ( , ’ t , , . ,s-1, - l

S I  • Expol- i lulotut ill 1 1 1 1 W  t ’i t’lti

Ma, _. 1 .30 , ci = 0~ , r = 10 . I lI~~lI SISI l  ~ 0 , )0~ ,



M =  I. IS , ~i = )~~ .$ ° , r = P0~~. 0 n.H IIId ~~ = 0
’s

, ‘10° , l8o~

- - 

_ _  
__

8’ w o ’  
-0,10 ‘P.90

.5b ~
“: 

~~~~~~~~~~~ 
-

~~

, 

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~

‘ 5. 2

-0.05 

~~~

-So ~ 4~ 
1&(~~~ I~~~

0 0 C —O---—————-~~ 

z

’ I “\~J ~ ~.0 —i~’s——----—
2 

h i t  I t S  tat, S
(sc h l le t ’ s .ts  t ictun’ .I,. 10

I’ S t Iod  symlosla, V~I~o, ,IisI,o-I,,’.I rO,, sa,’I,’I
support.

Figure 52. Experimental flow field

Ma,= 1.30, a=5.7°, r= 105.3 m and ~~= 0 °, 90°, 180°

I
-



F I ~ t t i .o ~t ) - Expt’t ’ Lnn~lut at t 1  ow 1
.
10 Id

= I - :‘t ’ , = I’ = 71.  11111 stid ~‘ = 00
. 1)0

0
, 18,1’’

‘~~~~~~~~~~~ -~ -°- 1~~~IJ ~
- iI - 

Ii L L .  - I  _ _ _

78

- 
W~ O -, ‘p 90’

— — .
~

///

A
“S ~~ (,,..I$ 5 ’ , — I,,.- n  

~~~ 

S.; ~~t i .,i.’st .,.,, ~ 

-

‘ 1 3 .  ~~~~~ t f ’ ~~~~t~~f s I  I I’ I  11W I j  t ’ I , 1

= 1 . ‘3(1, ~ = 17 .  1°, t ’  = ~~~~ nut stud p = , I)0
” s , 180”



- - - - ‘ -  _

7

_

~ 

-

‘0.2” ‘P. 0 ’ ~~, , ‘p.90’
ii-

C ‘ ,, 

~
‘.

• 
~~~~~ ‘P.180’

‘ , , I

-0.

.2 t t ~ t’1I,t
0.1,1

I 
~
‘I’
a ~\ - -

— — — SI,,’,’k I”~S It  ‘It t ,,tso.t I’,,. m
0.20 ss’ltI t ’ t • ’ l ( i’isIur,’ .

l’i I I,’.I s~ -mt,,,t,.: h.sIsIo~ slintorl’t ’.I f rom m,’ds’I
5,lI’I’t’, l

Figure 514. Experimental flow field

M~ = 1.30, a= 28.3°, r =  105.3 nan and ç= 0°, 90°, 180°



—
~~~~~~~~ - 

-—- _‘_‘~~~I,
_-____’_ _

’~~~
_ 

~~~~~ 
~~~~~~~~~~~~~~~~~~~~~~~~~~ — —.5—-——-’, ~ •—---- ~~~~~~~~ ~~~~~~~~~~~~~~~~~~~~~~~ - - - - -—--—-,——- — -‘--—-

~~~~~
,—-,- --•—,---. ‘—v

p.

A P P E N D I x  2

Figures 55 - 73 

- - ~~~-‘- ---~~~~~-—~~~~~~~~~~~~~~~~~ - - . - - - -  - — — --- ‘-‘-~~~-. - - - -—-~~-~~~~~~~~ --- --‘ -



p.- ~~~~~~~~~~~~ ~~~~~~~~~ ‘
:—--

~~~~ ~~ -“~~~~~~~--
- ‘~~ 

-
~~~~~—--— — ——---~----- w-~~~ 

—=- - --. --—- .- ‘.-
~~~~~~~~~

,- 
----—

‘
~~~~~ 81

-0.10 a ‘.0.10

C ‘, 00

I ’ - 2

cp 
~ 

Ce 
‘

- o.ol 0.03

I 

-

~ 

- 4 i 00 ~ -

~ 

_ 14

-0. 10 4.10

(

‘.0.10 Legend

2 C p O—

a

Filled symbols: Values disturbed from wall
0 C t r eflections.

-~~~ 140 • m 300

0.~ C 0 / 0. 10

Figure 55. Experimental flow field and
Cp p disturbance distribution.

- °-°~ 0.0~ / M~ = 1.15, Ci = 0’~, r = 102.6 nan

- / = 0~, 90°, 180°

S 

- .2 -t 

/ 

3 0’ -~ .
~
I 

•/

01

.0. 10 .0. 10

~
L L I

- - -- - -- 



r’----- ~~~~~~~~~~~ 
—-‘- -

~~~ —‘-——.5 - — . 5 ----—- 
--- --- .5-’- —.5—— 

.5
F- ,‘— --— — .- - -— - - ‘ ________

82

:~:::“ c a

.~b 

~~~~~ 

~~ 

-56

0.0 p 
0.10

5 
0

‘P.O.
0_ Ic 0.00 ‘P.90’

P 
0. 10 0:

~ 
fr/
) 

-

~ 

_______  /

C/: - 

~~~~~~ 

-2 -‘ I S° 2

.0.10

‘.0.10 Legend

2 c
p

9 —a’-—
S — — —  Shock positton taken f m .

Schlieren picture.

Filled symbols: Values disturbed f~~~ wall
rafiections.

-
~~~ 

0 .  

~~ z I~~~~~~0

‘P. 180
. io Figure 56. Experimental flow field and

C disturbance distribution.

// M1 = 1 . 15, (1= 5.7°, r=102.6 nin

- 

~ =00, 90
0 180°

4 ~~~ I

C
.0,

S

_ _  
- -  _ _ _ _ _ -  L



-.5--’- .5— - --‘---.5 — - . 5—-- -.5 ‘ . 5  ______

83

s _
I’ II 

S _
I’

0
—0.110 .11. 111 

- ‘

:~ 

I~ltI
’ set --

~

--—‘—

~

-

,: 

- ,  
‘, ,~~

‘P . 0  ‘P.90’

11.20 
II ,

C

0. 00 
(1.10 0 /

V
~~~~~~~~ 

- — ;.--i C
II ~~~~~ ~~~~~

YH —a-

.0, 10 
t,~ 

.51 . 1(1

0

.0.21) .41.20

.0.1111
l,.’g.’lkl

I I, 
I’ 

- -

0 A
.0.11 

~~~~~~~ 
- - - SI S. ’.. ~.,s I II , ‘• s I 55.511 Iss lm

:J l’$ I l t ~ l ,.ymls ’ I ~~ 
~~~~~~~~~ 

f t - sm, w a l l

~ C,,1 ‘51’ “ l~S’1 ... IS

‘P.180’
t’ . lI, Figure 57. Experiment-nI f low field and

disturbance di stribution .

) Ma~~ 
1 . 15 , (1= 16.80, t ’ = 102.(-~ nan

= 0°, 90° 1800
r

— _ 4

- - a

~

— -- --—- 
-~~~~__ _ _ _ _ _ _ _ _  _ _



-ø 

.

D

,. :.

0.01 

~? 0.: 

- 

0.01 

~ 
0.:

-~~ ~~~~~ I S 2 —2 .1 1 1 2 -2 
_I) 

1 •~ 2 -2 .1 1 1° 2

S -0.05 -001 
... f ~~0.01 .0.05

-0.10 .0.10 ~0.lC .0.10

.0.10 1

C, ~ C —.Q’-—

-

~~~ 

;
~Ji
I 

~~~~~~~~~~ 

~~~~~~~~~~~~~~~~~~~~~~~~ 
“~~~

~~m1~~~~
0.10

Figure 58. Experimental flow field and
C, disturbance distribution.

T ~~ 
= ~~~~~~~~ ~~~~~~~ 

r = 73.2 nun

~~ -I

, 

I V 2  .,

~ 

; .‘;

-0.10

--.5-- —.5-- — --- .5-- _ _



.—--:.5-— ’- -5— -.5- -’.-~~~~—.-—-— - — —- --‘- —-----~~~ 
~~~

“— ‘  --“-—_------ ----- - --5 -‘- ---.5.5.-— ‘ ‘~~~~~‘-‘

r 85

- - S / i

.0.W I
I —0.f~

- 
~p 2 

C~ 2
-

~~ ~~~~~ 

I~~0 * — 2b0 -
~
0 

~~~~~~ 
~~o ~ — 1?oo

::° ::° :10

- - 
0.05 0.05 ~ 0.05

2 I ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 1 •° 2 2 1

-0 10 .0 Ic -0 10

Legend

C —0--
- I  ~

0.I0 .. —a—-—
I C~ ~ 

5 0 — — —  Shock position taken I’m.

j Schiierefl picture.

-0.- C

~ t

Figure 59. Experijnontal flow field and
~ ‘P,~O disturbance distribution.

:~ /1 M ,= 1.20, 1=5.7°, r=73,2 nun
p 

=0 ,90 , 180
0.05

-~ .3 I .~

I --S- -.5-- —.5- ----- _--—, ——-- —~~~~~~~~ --_ - - - -— -- - .5 - - - - - ---‘-—-—-- ‘-‘- - - -  .5 -- --



- - — -~-‘-—--- -

“‘ -1 —0.20
l ‘ 

c~

0. 1: 

/0 

0. 10 0. 1: 

, 

0. 10 

•
H

-4 -2 2 0’ 

~~~~~ 

2 e ~ 2 ~ 
II 

~~ 

~ 

2 0 4

Legend

• C~, 0—
c I e - — i ~4—--—p I. j

Shock position taken fro.ji
Schlieren pictur e.

-~~
—-0

~~~
. —~;4~~ - - ‘6~~

” ’

~~-

Figure 60. Experimental flow field a~~~
disturbance distribution.0.20 

M_ = 1.20 , a= 16.9°, r = 7 3 . 2  11111

0.20 0 
~~ =0 ,90 , 18o

:~



r’-’~”” ’” ””’ “ “ “ “~~~~~~ - ~.5.5~_r m’r w - -,-__----_________ -- - .5,- -——- -.5.5.5--.5--—-~~~ - ~_-~~

a

S
-0.20 .0.20 •0

C,

-0.10 -0.10
2

~~
- - 

I~0 50 .i et. ioo -

~~~

0.20 0.20

I.

:: 
~~~~

- 

_
.0 —~ 2 •‘ ~ -b -2~~~~~~ 

,,/
1 2 II -- 

:
~~~~
/
/
“ :: SG~~~~~~~~~~~~

2:

Legend

Cp ~~~~~~
0 —“A—----

— — — Shock po.it ton taken tro.
Schli.r.n picture .

— 
Figure 61. Experimental flow field and

disturbance distribution.

M~ = 1.20, or =2 7 .9° , r = 7 3 . 2 nun

q = 0 , 9 0 , lBO

I
— —s.~~-trnr~



r ‘i-—- ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 
— --- ~~~ ‘~~~~~~~~~~~~ -~ — - -  — —- - - -

~~~~~~~

—0.10

~. ~~~ ‘cIt1 

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 

—

ct .usJ 0.111
‘P.90’

0_ t o 0. 10 0. 10 0. 10 1 0, 111

B II C 11 
~

- 1’
C, / C~ P 

/ 
p I’

0.05 7 o.oo 0.03 / 0.03 0.113

0 0 0

~ 7 ~, j  ~~~~~~~~~~~~~~~~~~~~ 
s— •.~~~~~—

---
~~v-

* 1  
C: 0/ 4

-0. 10 
-0. 10 -0. 10 0. Io -0. 10

-0.I0 t Legend

~ 
—0-—-

p o —a-——
a

C
.0.03 a

I
’

.~b 

~~~~ 

— 21)0

0. 10 Figure 62. Experimental flow field and
Cp Cp disturbance distribution.
0.03 / 0.03 M

05
= 1.20, o•= 0~, r= 103.2 m

_ e .~ -~ 
- —  / , =0°, 90°, 180°

A
.0.10 .0, 10



pr 
—-- - -— - - — -

~~~~~~~
-

89

-51 .10 
• —0.10 ,

‘ p 2 ~~I Cp 2

0.10 0.11)

‘P.90.
P.0 ’

0.1* 0.10 0.10 0.10

S
C~ Jo v

S p

0.05 - 0.05 0.05 0.05

- -~ _i -~ ~~~~ .i —I ~~~~~~~~~~~ •~ 
- ;  ; • .

~~

.0. 10 .0.1c .0.10 .0. 10

Legend
-0.10 •S CI) ~~~~~~C~ 2 e —a--—--

I 

0

-

~~~ 

- 

a — 2~t0

P. 180 ’

.10. Figure 6~. Experimental flow field and
- - i i disturbance distribution.

~~ Ø5 
M10

=1.Z), o~= 5 .7°, r = 1 03 .2 nun

q = 0°f 90°, 180

-a ..~~~

Li



~~~- - --~ - ---‘. .5~~~~~r- — - . - -  -
~~ — - - ---—-.5—- ‘ ‘  —----- --.-—-- —- .5-- -

—C- ~‘I5 V. -0 2,)
CI, 4 

~~ a

i
/si

-0.20 Legend
C~ b C~, —0-’-’—

e —
~~~

-——
.0.10 — — — Shoot. , position taken (‘11cm,

2 Schlisrsn picture.

0,20 Figure 64. Experimental flow field and
disturbance distribution.

0.10 1 M= 1.20, oi=16.9°, r=103.2 nms

A 57” 
= ()°~ 90°, 180°

-0.50 

-— - -- - --- - --————.-- —.5— 



____________ — ~~~‘“‘~~~ - ‘~~~-- —— — ——----—--- — —— —. — -.5—- U—.— _ _  —

91

-0.20 -0.5’

-4

-0.20 
•
. Legend

Cp b C — 0-—----

rf ”~”~ 
0 - —

~~~

.0.10 — — — — Shock position taken (‘rout
2 Schtteren picture.

FtlIsd .yutbolel Values disturbed from wall
reflections.

: 

. —

‘P.l$D
Figure 65. Experimental flow field and

disturbance distribution.

7 !4,=1.20, ~ = 27.9°, r = 10 3 .2 n u n
o. Ic 

,,,
r 

= 0°, 900
, 180°

___A C

~~

-~~ -a

.0.10

-0.10

—~---- __.5__ 
-‘-- .5— ~~~

——- - ——-----  -- - -- --- ---.5-’ -- -- -



“~~~~ ~~~~~~~~~~~~ ~~‘~‘ 1  ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ “.‘ 
‘~~~~~ ‘ ‘ ‘~~~ ~~~~~~~~~

92

.11.10

1’.’ —0.10 •
p C, ~

‘41.03

~~~~ 

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~
I4

:4~

0.I~ o.I _

‘P.O. t~~Ø•

0. I0 . 10

C, C,

o.:

/ ,_

o.

:/

4 V . 2  -2 I

-0. 10 -0. 10

Legend
‘.0.10 c~ —0—-——--
C~ 2 •

FilLed syaboist Values disturbed (‘rout wait
.0.05 

I 
r,f1.cttons.

‘P.180~
0.10 Figure 66. Experimental flow field and

disturbance distribution.
op 0

/ M = 1.20, o’=O , r = 15 3 .2 m
0.05 

~~ 
10

~ = 0°, 90°, 180°

—‘ 1 2



.5_ --—- - -— - ———-~ -- .5 -~ — — -—  — —- .5— —.5- —.5— - .5
-—-—.5— - -—---.5 ,- —~~~~~~~~ - - ———---------‘- _ -,--_ —“i-i ——— -

~~~~~~~

.,_ -- - ~
-

e• .sl .l0

= C, 2 
~
.p 2

0_Ic

p.0’ ‘P.90’

0.10 .10

4 op op

-2 I~~~~~~~~ I ‘i i  -2 2

0
. 0 0 5  

0

-0 10 -010

.0.10 • Legend

C, .
~ 

C p

.0,05 - C — — — — Shock position taken (‘rue

1 
Schi ter en pictur e .

P’llled symboist Values disturbed i’rue wal l
reflections .

~~~ 

:~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~

‘P.1W’

.10 Figure 67. Experimental flow field and
disturbance distribution.

0.05 
M

10= 1.20, ~, = 5 7 0 r = 1 5 3 . 2  fin

~ =0 , 90 , 180



.5 --—--- -——----- - -.5.5-— ~ -—---~~~~—- - -~~~ ——---- -

‘-0.5’ V. ~°~0 
V.

I I,

-.0.11 
2 ~sI .l()

~~~~~~~~~~~~~ 

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ 

t~

lI .NI 0.21,

‘P.90’
0,20 0.20 0.20

C, C, C,

0.10 O. IC 0 0. 10

(

B / _ _A/
2 S’~~~~ -

~ .2 ; •~~~ ~~ ‘~ ~

.0.10 .0.)o .0.10

-0.20 -0.2J -0.20

.0.20 Legend
Cp ~ 

— --0——-—

6 —.A~--——----

-0.10 — — — — Shock position taken from2 Schli eren picture.

0 ~: 

-,

~~

, 

Ft lied syabols: (‘i-out wall

0.211

P.1W ’
0.20 Figure 68. Experimental flow field and

disturbance distribution.

M =1.20, ~ = 16.9°, r = 1 53.2 niii
0.: 

~t’~ 
10 

00
, 90°, 180°

,O. IC

.0.It 

- - - 

-—



~~~~~~ - -—

—0.20 -0.10
C, 

~ C~ ~

-0.10 .0.10,
1 1

-

~~~ :
!2<

~~~

‘P.0’ ‘P.90’

510w 0.504 
0I C, C,

1 1 0.100.10 /
it

:t. -2 A 2-a A
-0. ~0-0.10

-0.20-0.10

-0.20 Legenda’ 
C —0-—--—C pp 
0 —A———-.

— —— —  Shock position tak en troutr Schli.ren picture.2 
FilLed s ols: Values disturbed true wall

reflection..

:: :(~~) ;;~
:~ 

a —

‘P.1W’
0.10 

Figure 69. Experimental flow field and
disturbance distribution.

M = 1.20, e=27.9°, r= 1 5).2nmi

= 0
0
, 90

0
, 1800

A

-B

.0_ Ic

-0.10

~~~~— ‘~ 
_ _ _



- - 

~1

-0,10
0’ -0.10

~p 2
2

-

~~~

0.10 0.1
‘P.O.

‘P •
0.10 

0. 10 0. 10 0. 10

B 
:.o
s /  

005

.1 _i C l 1 
e’ 

f .5

-0.10 .0. 10 
.0.10 .0. 11.-

.0.10 
-

-

Legendp C~, —0-—-——--
6 ——----A-—-----—

-

~~~ 

. ..~ ào 

Filled symbols: Value5 disturbed from model

0.10

‘P.ieo~0.10 0.10
1

op 
.5! Figure 70. Experimental fl ow field and

0.05 0.05- disturbance distribution.

M ,=1.30, ar=0~, r=105.3~~~
________ 

~ ~~~~~~~~~~ 
C 

= 0°, 90°, 180
0

-0.05 -0.05

.0.10 .0.10

—



I 
- 

- —

- A0 A072 098 AERONAUTICAL RESEARCH INST OF SWEDEN STOCKHOLM F/S 1/3
INVESTIGATIO N OF THE BOUNDARY COtIDITION AT A WIND UN*IEI. TEST S—ETC(U)
MAY 79 S NYDERS. S S ILDNAN. A RIZZ I AFOSR—fl—3282

UNCLASSIFIED AFOSR TR~79 O868 11.I I
AO7 . 0 9 8  I

.1
I

I ~~~~~~~~~~~~~~~~~~~ 

—

~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~ -



I 0

H

flfl~ ‘ .2.5 

~OhI~•± ~~



97

—4 . ‘° —0.10
2 C

p 
~~~~ 

-50 

-2

0. lO~

o.Ic 0. 10 0. 10 0. 10

B 0A :~ ::~ :~

‘

o:

~~~~~~~~~~~ ~~~~~ 
~1 -o o~ ,,

ft” •.o.os -0.05 -o.os( .0. IC ..0. 10 -0.10 -0.10’

-0.10
Legend

2 t c1, —O—---——

-.0.05 
— — —— Shock pocition t~~cen fro.

Schlieren picture.
C Filled s~~ bois: Vajue~ dieturbed fro. .odel

-

~~~ 

~~~~~~~~~~~ ~~~~~~~~~~~~

Figure 71. Experimental flow field and

~7 ( disturbance distribution.
M~1, = 1.30 , ar = 5 . 7°, r= 105.3 n.n

= 00, 90°, 180°

-2 t S° 2

_ _  

_ 
. ~~~~~~~~~~~~~~~~~~~~~~~~ 

. .



- .----.~.- 
.—,w~-—-—-—’~ — .‘~— ,----‘-—--.,— 

~~

-0.20

~~~IC~~~~~~~ 

. 

_ _  _ _ _ _ _

P.o.
0.20 

•~~ 0.10 0.10
C, C C B Cp p p

0.10 

/ 
0.15 0.10 0.10 o

-‘ 4 a •.r—j 
~ 

~ 

a j i—;, ~~~~~
-0.10 -0 10 -0 10 1.0 *0

I

-0.20
I. C —OS-----—

S 
.
p 

•~
__
~
__

~
______

— — — — Shock posit ion taken fro.
-0.10 1 Schl ieren pictu re .

H

~ • Figure 72. Experimental flow field and
0.20 j  disturbance distribution.
C, j  N , = 1.30 , ~~~= 17.1 ° , r =  105.3 nmi

• / = 0°, 90°, 180°

-~ I, ~ ••~i

‘V



-41.20 • 
—0.20

_ _ _ _ _  ~~
~

-0.20

~

-°.‘o £ r C — 0--——
I, I ~ 

-
‘ A I p

¶ J — — — —  s~ vii position tak.n ti-os
Schlisr10. pictur e.

‘I j
~~ ~~~ 

Fili.d s,~~o1.I Vsluss di.tuzb.d ti-os .0451I 200

-2
0.10

0.20

...x ‘1
C, J 1..ieo~ Figure 73. Experimental flow field and

/ disturbance distribution.

/ !4~~= 1.30 , o,=2 8.3°, r = 1 05 .3  Ian

0.: 

1~~~~ 

= O~~, 900, 180°

I

~ 


