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ABSTRACT

An advanced re-enti7 systems heat-transfer handbook for hypersonic
flight has been developed using aerothermodynamic prediction methods developed
during the X-20A (Dyna Soar) Program. It contains 1) design procedures for
computing aerodynamic heating rates to re-entry vehicle configurational
elements, 2) discussion of differences between aerodynamic heat transfer
and pressure distributions observed in present day wind tunnels and those
which would occur in actual free flight, 3) wind tunnel to flight extra-
polation factors, 4) simplified expressions for estimating stagnation point
and swept cylinder turbulent stagnation line heating rates, and 5) graphs
for rapid calculation of heating rates and extrapolation to flight factors.
The information presented is applicable to complex maneuverable vehicles
as well as ballistic bodies.
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Appendix B)
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I. INTRODUCTION

Successful design of a maneuverable re-entry vehicle requires detailed
knowledge of aprodynamic heating rates over all surfaces of the vehicle.
Performance of the vehicle is limited by the temperature capability of
structural materials which tend to establish lower limits -n the radii of
the nose and leading edges and upper limits on the angle of attack at which
the vehicle can operate. Unfortunately, design features that are favorable
from the performance standpoint often have undesirable heating characteristics.
Aerodynamic heating studies, therefore, are required to determine the proper
desiga compromises.

Ae-rodynamic heating rates are influenced by all of the properties of the
flow field in addition to the influence of body surface conditions. In the
external flow, the density, velocity, pressure (both level and gradient),
streamline pattern, and chemical composition must all be determined before heat-
ing calculations can be made. At the body surface the important conditions are
the wall temperature, smoothness, and permeability. The boundary layer ctate,
which may be laminar, transitional or turbulent, may also depend upon all flo
properties.

The ability to accurately predict inflight aerodynamic heating rates varies
with geometry and flight condition. Analytic methods are available for simple
shapes in laminar flow; for all other conditions a combination of theoretical
and empirical methods must be used. A completely empirical approach is precluded
by the limitations of testing facilities, none of which can provide completely
satisfactory simulation of the re-entry environment.

This report presents a compilation of design methods for computing aero-
dynamic heating rates that were developed during the X-20 (Dyna-Soar) Program.
The results of more than five years of aerodynamic heat transfer testing and
analysis are reflected in these methods. Methods developed specifically for that
program are presented in this report in a generalized manner intended to supply
information useful for preliminary design of advanced re-entry vehicles. The
methods presented were, however, developed to treat the critical d,sign con-
ditions for the X-20, and are not intended to be applied at velocities greater
than 26,000 fps nor to surfaces cooled by mass injection. The flow is assumed
to behave as a continuum, ana to be in chemical equilibrium. With the exception
of vorticity I.nteraction in the region of the forward stagnation point, low
Reyno.Lds number effects are neglected. No mass addition effects are nonsidered,
but some information is given regarding 1.eakage which may occur at panel joints
or control surface hingelines. The effects of surface roughness were found to
be large and are discussed. Flow field interference effects on X-20 fin leading
edge and canopy heating were found to be severe and an epproximate method that
defines the upper limit is presented. While these assumptions: limits and
approximations were appropriate and sufficient for X-20 design studies, they
should be reviewed when considering other lifting re-entry vehicles.

The material that is presented in this report is divided into seven
major sections. The following section (Section II) describes the methods
for several basic two-dimensional and axisymmetric shapes. Combinations of
these shapes are discussed in Section III, and surface condition effects on
the level of basic smooth body heating rates are described in Section IV.
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Suggestions pertaining to the application of the.t design methods to com-
plex configurations are given in Section V. This section also contains two
examples from the X-20 program that illustrate the requirement for detailed
analysis tailored to the re-entry vehicle being studled

Section VI contains charts that give numerical results for several basic
geometric shapes, including the hemisphere, flat plate, swept cylinder, unyaw-
ed blunt and sharp cones, and blunt and sharp delta wings at angle of attack.
Heating rates for all configurations are given by distribution curves which
are to be multiplied by reference heating rates to give absolute values. This
form of presentation is concise and simplifies the estimation of heating rates
for geometries not specifically presented. Hemisphere stagnation point heat-
ing rates are used as laminar reference values for all shapes. Turbulent
heating for sharp tip configuratons are referenced to the turbulent heating
rate for a 60-degree swept infinite cylinder. For blunt bodies it was found
that better accuracy was obtained by referencing turbulent heating rates to
laminar hemisphere stagnation point values.

Section VII discusses interpretation and use of data from wind tunnels
and other ground-based test facilities. In some cases, wind tunnel data can
be applied in flight by merely adjusting the level by use of the reference
heating rates described in the previous paragraph. However, for complex geo-
metries, further correction is often necessary because of real-gas and inter-
acting flow field effects.

Appendices are included that:

1. Give simplified expressions that approximate some of the more complex
heating formulas.

2. Saow derivations of basic methods.

3. Provide a method for calculating laminar boundary layer displacementthickness.

4. Give examples of the applicazion of the charts presented in Sections
VI and VII.

2



II. METHODS FOR BASIC SHAPES

This section describes the methods that were used to predict heating
rates for several basic shapes, including flat plate, sharp cone, sphere,
infinite cylinder, and sharp delta wing. These geometries were selected
because relatively detailed and accurate calculations can be made for each
without relying heavily on experimental results, and because such calculations
provide information that can be used in analyzing more practical configurations.

For the purposes of this section, heating calculations can usually be
broken into two separate steps: 1) the calculation of the flow properties
neglecting the effect of viscosity, and 2) calculation of the boundary layer
using the inviscid flow results. The inviscid flow calculations must pr'-
vide a cmaplete description of conditions at the boundary layer outer edge,
including the local pressure, velocity (both magnitude and direetion), tem-
perature, and chemical composition. No practical completely general method
has been developed for calculating the inviscid flow for all of the basic
shapes. It was therefore necessary to use several afferent methods to
calculate the flow about the basic shapes, ineluding normal and oblique shock
theory, modified Newtonian theory, Prandt ;Aeyer expansion theory, the method
of characteristics, and the blunt body inverse method. In addition to these
well known methods, an empirical pressure distribution was used for infinite
cylinders, and a croksflow method was used for predicting delta wing stream-
lines. Except where otherwise noted real gas effects are included in the
flow field calculations, using gas properties of reference 1. Chemical and
thermal eqailibrium has been assumed in all calculations.

In contrast to the variety of inviscid flow methods used, all of the
boundary layer calculations for the basic shapes were made with a single
method, the " Pr/Lr Method". Th:.Ls method, which was developed by R. A.
Hanks in the course of the X-20 program) is applicable in either laminar
or turbulent flow. The laminar flow version of the P r/Ar method is based
on exact similar solution3 of the boundary layer equations. The exact
solutions were used to construct curves of boundary layer parameters, in-
cluding form factors, ( 6*/0 ), crossflow momentum thickness, Reynolds
analogy factors, and effective values of the density-viscosity product.
The boundary layer parameter curves are then applied 'in nonsimilar flows
through the use of a momentum integral equation.

The turbulent flow form of the P r/Ar method uses the same momentum
integral equation, retaining terms that are often neg-lented, such as those
related to the effect of pressure gradients on the turbulent boundary layer
profiles. Although such profile changes are small, and cannot be exactly
calculated, their effect ay be to increase heating rates, and it is there-
fore unconservative to neglect them entirely. The evaluation of the
turbulent boundary layer parameters was guided by the known laminar trends,
and in some cases are tAken directly from the aforementioned laminar curves.
The actual values used were selected also on the basis of agreement with
experimental results,
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Since the P r /A method embodies essentially all laminar similaritysolutions as well as turbulent flow parameters, it Is necessarily somewhat

complex, and a complete description is given in Appendix B. For the follow-
Ing discussion of methods, it is sufficient to note that in aOiition to
boundary layer edge pressure, density, etc., which are required by all
boundary layer methods, the P r Ir method also requires knowledge of three

flow divergence parameters, r, f, and A . The parameter r accounts for
the effects of streamline divergence on heating due to body geometry, which is
Most Simply "llfd by the increase in heating due to streamline divergence
on an unyawed cone. The parameter f accounts for the effect of streamline
divergence due to transverse pressure gradients, and so is affected by body
shape only indirectly. The total streamline divergence i denoted by A ,
which is related to r and f by

A= constant & r • f (2.1)

where the constant is arbitrary. Referring to Appendix B it will be seen
that r, f, and A can always be normalized so that absolute values are
never required. Hence it is sufficient to determine the ratios r/ri, f/fi,
and A / A i where the subscript I denotes some initial or reference value.
In actual practice equation (2.1) is usually applied in the form:

At rif (2.la)A1  r -f1

The distinction between r, f, and A is necessary, since the ultimate effect of
streamline divergence on heat transfer depends on the presence or absence of
transverse pressure gradients.

The P r bt method has been used for all heat transfer calculations
presented in this report except where otherwise noted. In particular,
laminar boundary layer calculations involving interactions with the
external flow were calculated with the Boeing Nonsimilar Boundary Layer
Program, which is described in Appendix C. This program numerically inte-
grates the boundary layer equations in partial differential form, and 9o is
free of similarity restrictions. This program was required for only three
calculations: the expansion side of the deflected flap, the vorticity inter-
actions at the stagnation point, and surface wave calculations described in
Section IV. The particular methods used for each of the basic shapes are des-
cribed below.

A. Flat Plate

Exact calculations of inviscid flow properties for the sharp-leading-edge
flat plate were made using oblique-shock theory and real-gas properties. A
description of real-gas oblique-shock theory is given in reference 2. The
actual values used in this report were recalculated using gas properties



presented in reference 1. The three-dimensional flow parameters r, f, and A

are constants for this case, so that r/ri, f/fi and A/A i are all unity.

B. Hemisphere

The pressure in the subsonic portion of the hemisphere flow field was
calculated by Modified Newtonian theory. In the Newtonian theory, the free
stream is regrded as an aggregtion of particles that impinges on the sur-
face of the body, and in so doing changes its momentum normal to the surface
.Ato pressure acting on the body. This idealization of the flow field leads
to the following expression for the pressure coefficient

C = 2 sin 2 (2.2)

where 8 is the true flow deflection angle. The same equation is obtained
if one considers the impact of a supersonic fluid stream on an inclined
surface, provided the shock wave is close to the surface. This latter
condition is approximately satisfied in hypersonic flight, for which the
density ratio p/p is large, since the shock standoff distance, As,
is related to the density ratio by

IN= [o] R (P2 /P)

R = Hemisphere radius (2.3)

as shown in many references. See, for example, references 3 and 4.

Equation (2.2) is exact only if A = 0. For a finite density ratio
%nd hence finite A s, improved accuracy can be obtained with Modified New-
tonian theory

Cp = K sin 2 8 (2.4)

where K is a constant which is expected to be near 2.0. Its actual value
for the hemisphere can be calculated by normal shock theory and isentropic
compression to zero velocity. The result is very well approximated by

K - 2 - P 2  (25)

Equation (2.5), which is obtained by assuming that the density is con-
stant on the stagnating streamline downstream of the bow shock, is derived
in Chapter 7 of Truitt (reference 5), among other places.

The pressure distribution in the supersonic flow portion of the hemisphere
was calculated by Prandtl-Meyer expansion theory matched to values given by
equation (2.4) in the vicinity of the sonic point. The actual matching point

5



was selected to make both the pressure distribution and its deri.-ative
continuous. The resulting pressure distributior to shown iu figure 2-1.

Velocity distribution can be calculated from the pressure distribution
either by isentropic expansion or by integrating the Bernoulli equation
equation

due 1 dP (2.6)

dO Pe Ue d

where u and 0 are defined in the sketch belowe
0$

peis the boundary layer edge density and P iE the local pressure. Because

the pressure gredient and velocity are zero at the stagnation point the
Bernoulli equation must be applied in the special form

~. __ . 2 p (2.7)
x Pe ;x2

where x is measured from the stagnation point ahd P is the velocity gradient
parameter. Using the Newtonian theory pressure distribution and the
equation of state, equation (2.7 leads to

V2 (2.8),,

where k is the gas constant, T is the real-gas temperature, and Z is thecompressibility factor.

As pointed out in reference 3 the use of modified Newtonian theory for

the hemisphere pressure distribution has been substantiated empirically.
The Prandtl-Meyer matching method has also been verified in this manner.

However it is not necessary to only rely upon experimental data for their
substantiation. Comparisons have been made with inverse-method calculations
(reference 6) and with the integral method calculations of Belotserkovskii
(reference 7) that show that the method described here is accurate to
within a few percent,

Streamline divergence on a hemisphere is due entirely to body gecmetry,
and is given by

6= cos ,

6
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divergence parameter at 8 = T , and 8 is the true flow deflection angle.

The basic hemisphere heating rates for both laminar and turbulent flow
were calculated by the Pr /Ar method. At very low Reynolds numbers and high

Mach numbers a correction to the laminar heating rates must be made to account
for the effects of vorticity in %he external flow, which may become important
when the boundary layer is not thn in comparison to the shock layer thickness.
Analysis and experimental data have. been published (e.g, references 8 - 10) that
show increases in heating rate resulting from vorticity interaction.

There is considerable disagreement between the various published theor-

etical predictions of the vorticity effect. Many of the predictions contain

rather drastic simplifications and/or patching of separate approximate
solutions for various regions within the shock layer. The Nonsimilar

Boundary Layer Program was used to obtain more complete numerical solutions
to the boundary layer equations which included the effects of external

vorticity.

A comparison between results obtained using the Nonsimilar Boundary

Layer Program and those shown in reference 8 is shown in figure 2-2 in
terms of the stagnation point vorticity interaction parameter F, defined in
reference 8 as:

r - w(2.10)

where Re0 is a stagnation region Reynolds number defined as

Re ° o (.)

and po,.Ao , and i o are respectively the density, viscosity, and enthalpy

evaluated at stagnation conditions. q.le quantities A and W are coefficients
in an equation for the inviscid tangential velocity:

U o, ) A1.: + W Y1)+ ... 12
R i

with A --- O

r ux
and W Le /R)J

where x and y are curvilinear coordinates tangential and normal to the body,
R is the body radius, and Ui is the velocity normalized with respect to the
boundary layer edge velocity.

7



Physically the vorticity parameter r represents the ratio of the shear
stress in the shock layer to the shear stress at the body surface, i.e.,

Pe /Je(u
Pe uo2 Cf W'=0

where u is the potential-flow velocity: the subscript e denotes evaluation
at the edge of the boundary layer, and Cfpr=0  is the vorticity-free skin-

friction coefficient. Numerical values of F can be obtained if u and W are
known. The potential-flow velocity u0 can be obtained from the New*ontan pres-
sure distribution and the Bernoulli equation as defined by equation (2.8).*
The vorticity parameter F was computed using the following equation for W whicg
is given in reference 8: r V, I

(yR]e -47 I

where 1 is the density ratio across the normal shock and &s/R is the dimen-

sionless shock standoff distance.

As shown in figure 2-2, Nonsimilar Boundary Layer Program calculations are
somewhat lower than those by Ferri, et al. in reference 8. At the time calcu-
lations were made by The Bcaling Company, there was considerable controversy
over the magnitude of the vorticity interaction effects, with the majority of
the published methods also falling well below the reference 8 prediction.**
The controversy could not be resolved by experimental results, due to the ex-
treme difficulty in obtaining reliable data. The Nonsimilar Boundary Layer
Program calculations involved fewer simplifying assumptions than those in re-
ference 8, which could be the source of the difference shown. However, an ex-
tensive review of the assumptions involved in the reference 8 analysis was
made, using the detailed information provided by the Nonsimilar Boundary Layer
Program, without discovering any serious discrepancy.

Van Dyke (reference 11) and others have pointed out that vorticity inter-
action is only one of several second-order boundary layer effects, and suggest
the proper consideration of these additional effects would reduce Ferri's (re-
ference 8) predictions somewhat. This observation does not explain the lower
values given by the Nonsimilar Boundary Layer Program, however, since only the
classical boundary layer equations were used. The effect shown is entirely
due to the boundary condition applied at the outer edge of the boundary layer,
namely,

(u) -__. Constant

*Note that 9 of equation (2.8) is very nearly equal to the parameter A of
equation (2.10) for hypersonic flight, since ie z

**These results are not coniveniently displayed in the f-rmat of figure 2-2.
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rather than

yP --
the condition applied in no-vorticity calculations.

The present authors feel that the Nonsimilar Boundary Layer Program re-
sult, being 6 more complete calculation, is less likely to contain any hidden
errors, and recommend the use of the Nonsimilar Boundary Layer Program curve
of figure 2-2. However, once I' is calculated the reader can easily obtain
numerical results for both methods.

C. Infinite Cyl.tnder

The pressure in the immediate vicinity of the stagnation line of an un-
swept infinite cylinder was obtained by modified Netonian theory, equation
(2.4). An empirical curve, shown in figure 2-1, was used for the pressure
distribution away from the stagnation line. It was observed that there was very
little difference between the data from many different tests; hence a single
curve was used for all calculations.

The velocity distribution on the unswept cylinder can be calculated using
the same methods as were used for the hemisphere. The actual velocity dis-
tribution differs slightly from that on a hemisphere, however, since the two

pressure distributions are not identical.

The inviscid flow over a swept cylinder can be calulated by resolving
the flow into components normal and parallel to the cylinder axis. The flow
normal to the cylinder can then be calculated by the same method used for
unswept cylinders. The preasure, temperature, density, and circumferential
velocity depend only on that component of the free stream flow normal to the
cylinder. The parallel flow component is constant. The streamline pattern
can be calculated from the velocity components by integrating the relation-
ship

y (x f y x =fc'lx (2.14)

where y is the distance of the streamline from the stagnation line
(measured along the cylinder surface) and x is the distance measured along
the cylinder stagnation line. The body geometry streamline divergence
parameter r, due to geometry is equal to the cylinder radius. Since r is
constant for all x, r/ri = 1 and there is no direct effect of r on the

heating rate. There is of course a pressure gradient effect on heating
through the parameter f. The total streamline divergence is then equal to
that due to pressure gradients alone, so that equation (2.la) reduces to

WT f
(2.15)

9



where A and f can both be obtained from the integral of equation (2.14).

D. Sharp Unyawed Cone

Shock-wave angles and flow-field properties for a sharp unyawed cone
were obtained using the method-of-characteristics, reference 12. Since
transverse-pressure gradients are zero for an unyawed cone the value of
f/fi = 1. Hence, the expression for the streamline divergence parameter
reduces to

r A -x

r Ai X i (2.16)

E. Sharp Delta Wing

The delta wing presents a more difficult analytic problem than any of
the other basic shapes discussed so far, and rigorous theoretical methc' s
are available for only a few restricted cases. For sharp leading edge delta
wings with the flow supersonic everywhere it can be shown that all flow
properties must be constant along any straight line through the apex. At low
angles of attack oblique shock theory can be applied to the region upstream
of a Mach line on the lower surface through the apex. Oblique-shock theory
is applied in the plane normal to the leading edge at an effective free-
stream Mach number, M , and wedge angle which can be obtained from purely
geometric calculationi as follows

6T = tan-1 ( tan a (2.17)\cos A/

ftnd

Mn = Mm 1-sin2Acos2a (2.17a)

where a is the angle of attack and A is the geometric sweep angle.

It is seen that for very highly swept delta wings, the effective wedge
angle will be much larger than the angle of attack, so that shock detachment
will occur at relatively low angles of attack. For very high angles of
attack the flow at the leading edge is outward, (i.e., with the leading edge
behaving as a trailing edge), and the flow field can be calculated by an
extension of the blunt body method of integral relations (reference 7) as
shown in reference 13. Such calculations have thus far been made only for
ideal gases with constant specific heat ratios.

For most of the conditions of practical interest, however, neither of
the above methods could be applied and approximate methods become necessary.
It was still desirable that the methods be as valid as possible in the
actual flight environment. Accordingly, emphasis was placed on developing
approximate analytic methods for predicting delta wing pressure, velocity,
and streamline patterns.

10



1. Sharp Delta Wing Pressure Method

The approximate analytic method devised for predicting delta wing pressures
was a modified Newtonian method, in which the constant K of equation (2.4) was
allowed to vary so as to obtain the best agreement with known exact solutions.
1his was done by first plotting wedge, cone, and blunt-body stagnation point
theoretical results as shown in figure 2-3.

It is seen in figure 2-3 that for wedges and cones the coefficient K at
first decreases with normal Mach number, and then increases rapidly to a limit
fixed by shock detachment. The effect is seen to be less pronounced, and to
occur at larger deflection angles for cones than for wedges. For both wedges
and cones, K is always greater than 2.0. Blunt-body stagnation point values
for K are seen to behave in an opposite manner, being always less than 2.0, but
increasing slowly with normal Mach number. (This behavior is consistent with

the previous expression for K given for blunt bodies, equation (2.5)). For
delta wings, it is to be expected that the wedge curves will apply in the lead-
ing edge region at low angles of attack, as previously discussed. At very large
angles of attack, approaching 90 degrees, it is to be expected that the blunt
body curve would be more applicable. In the intermediate range K would be ex-
pected to vary more or less smoothly between the wedge and blunt body curves.

Shock detachment is caused by the inability of attached flows to

satisfy mass conservation requirements. For the sharp-delta wing, the
phenomenon of shock detachment would not be expected to occur in the same
sense as for a wedge or unyawed cone since mass in conserved by flow outward

over the leading edge. The existence of outflow at the delta wing leading
edge at very high angles of attack also implies that at some intermediate
angle the flow must be Just parallel to the leading edge, and so would
correspond closely to cone flow. The curve of K for the delta wing would
therefore be expected to begin at the wedge curve, fair through the cone
curve, and terminate on the blunt-body curve.

Such a family of curves was drawn, and is presented in figure 2-4 which
was used for all delta wing calculations in this report. The upper branch is
based on a formula given by hypersonic small-disturbnce theory,

CP Y t1 +) +&~- ~(i 2  (2.18)2 , sin 6

which was used primarily because it gives a curve of the desired shape. The
curve shown was calculated for T = 1.1, a value which was selected because it
leads to the desired curve, and not because Y = 1.1 is considered realistic.
(A value of 1.1 is clearly unrealistic in comparison to wind tunnel data.)
The lower branch is faired so that K approaches a value of 2.0 as the Mach
number approaches infinity, varying as follows

K - -9'2 (2.19)MCC

for Mach numbers greater than 10. 11

|! 
11
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Although the fairings of figure 2-4 are scmewhat arbitrary, the development
just given is preferable to a purely empirical approach, since all the
required exact solutions can be made for flight conditions.

The major objective of figure 2-4 is to predict delta wing pressures;
however, it is also expected to provide reasonable predictions for almost
any shape, sines it agrees well with both slender and blunt-body results.*

2. Velocity and Streamline Pattern

The inviscid velocity component parallel tc the delta wing centerline
was calculated by the following expression:

Ue = 1 - a 2 /56o0 (2.20)
U

where a is the wing angle of attack in degrees. Equation (2.20) was
obtained in the same manner as the pressure curve described previously by an
examination of cone and wedge theory. For two-dimensional nonreacting flow,
the inviscid velocity depends only on the shock wave angle and density ratio,
and is given by:**

2 COS2 6 s + - s in2 5  (2.21)u
CO 92

where. 0 is the shock wave angle in degrees. The wing angle of attack

is found by the following equation

- c = tan- ' 2 tan es) (2.22)

12

*Figure 2-4 can not be expected to apply to interfering flow fields, however,
since one of the effects of interference can be to increase the local dy-
namic pressure.

**Equations (2.21) and (2.22) are obtained by resolving the flow into compon-
ents dormal and parallel to the shock. In crossing the shock the normal
velocity component is reduced in proportion to the reciprocal of the density
ratio. The parallel component is unaffected.

12



Some typical results for various values of the densizy ratio are shovn below:

.9
EqusatioI1 (2.20)

U40~i P2/,,.84

.7

0 10 20 30 4o 50

Angle of attack, t - degrees

Equation (2.20) is also shown for comparison.

As shown in the above sketch the velocity increases with density ratio at
constant a to an upper limit which equation (2.21) shows tc be a cosine function.
For cones no rigorous, simple formula is available, since the velocity varies
as the flow compresses within the shock layer. However, tte velocity changes
during this compression are slight, and equation (2.21) is nearly correct for
cones as well as wedges. The value of! 0s-a for cone flow is only about one-
half the wedge value given by equation (2.22)*, however, so that the cone curves
would be expected to lie about midway between the wedge and cosine curves.

It is seen that the velocity ratios are fixed within fairly narrow limits
for density ratios greater than about 5. In hypersonic flight density ratios
less than 5 can occur ozly at small wedge deflection angles (less than about 11
degrees at Mach 20) where the effect of density ratio is seen to be small.
Equation (2.20) was therefore chosen as a close approximation for hypersonic
flight for angles of attack up to 40 degrees or more.

• This result is obtained by applying a mass balance to the cone shock

layer, assiming that surface velocities are equal to the wedge values.
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The spanvise velocity component for sharp delta wings is obtained by a
crossflow theory. As shown in the following sketch, in the crossflow plane
the delta wing appears as a sharp-cornered blunt body for which the velocity
at the corner must be equal to the local sonic velocity, a* n (the detailed
derivation of reference 13 leads to the same conclusion).

Mwasin a

The local sonic velocity a n is calculated from the Mach number component
appearing in the croseflow plane, and is given by

* a[2+(y-1) (o5sina)2]1/2 (2.23)an -- 2 + (y - 1) 1 .13

At the centerline the spanwise velocity component is zero but increases

with distance away from the centerline. Superimposing the spanwise compon-
ent onto the axial flow component (equation (2.20)) leads to a streamline
qualitatively similar to that sketched below.

a*
n

The leading edge streamline angle, n * , with respect to the centerline is

calculated from the following eqaation:

tan On ua (2.24)

using equation (2.20) for the axial velocity component ue.
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It will be noted that this method predicts outflow even at zero angle of attack.
This inconsistency was avoided by modifying equation (2.23) to:

*~ (2.25)a. a M= sina

This modification is equivalent to neglecting the effect of the free stream
static temperature on a*, and was used throughout this report.

The distribution of the spanwise velocity component cannot be calculated
except for the few previously noted special cases for which complete flow field
calculations can be made. However, the published calculations for the flat-
faced blunt body show that the assumption of a linear distribution is conser-
vative, i.e., overpredicts the spanwise component. Delta wing experimental data
were similar, but more nearly linear than the blunt body theory would indicate.
A linear distribution has therefore been assumed in the preparation of this
report.

ve= an*(y/YMAX) (2.26)

where y is the spanwise distance measured normal to and from the centerline
and yMAX is the leading-edge value of y. The streamline equation was obtained

using equations (2.20) and (2.26) and is given by:

y = Cx n  (2.27)

where C is a constant for any particular streamline, and

= an * - = tan 0* tan A (2.28)
uetan(90 ° - A)

The streamline patterns corresponding to equation (2.27) fall into two
classes, depending on the vilue of n. For n less than 1.0 the streamlines
originate at the leading edge; for n greater than 1.0 all streamlines origin-
ate at the apex. The two types of patterns are sketched below:

n< 1

n1> 1

15



Since the streamline divergence parameter A is proportional to y, it can
be expressed using equation (2.27)-as

A/A i = (x/xi) . I + v/dx (2.29)(V1l + (dy/dx

Since the delta wing is taken to be flat, it is assumed that there is no

three-dimensional effect due to body shape, so that f/fi = A/Ai.

3. Heat Transfer Calculations

The sharp delta wing heating curves of Section VI were calculated using
equation (2.29) together with pressure given by figure 2-4, the velocity com-
penentz &Ivan by equation (2.20) and (2.26), and the Pr lr method of Appendix

B. For the centerline of the sharp delta wing the three-dimensional flow effect
can be calculated in closed form for laminar flow and is given by

h/Fp = +2n (2.30)

where n is defined by equation (2.28), and hFp is the heat transfer

coefficient for a flat plate evaluated using delta wing surface properties.

A similar expression can be derived for turbulent flow using the Blasius
skin-friction law:

.0592 (Cf = Re.2 (2-31)

The resulting expression for the tbree-dimensional effect is:

hAFP ' 5 1+n (2.32)

Equation (2.32) is an approximation in that equation (2.31) is considered
to be less acourate than the Karman-Schoenherr or Pradtl-Schlichting equations.
However, as shown in Appendix B; the er-ror introduced into equation (2.32) is
smll.

These simple forms (equations (2.30) and (2.32)) are possible only because
the streamwise distance to a point on the centerline is unaffected by streamline
divergence. For locations not on the centerline the streamwise distance depends
on the streamline pattern, as may be seen from the previous sketches. The com-
bined distance and flow divergence effects must be evaluated by integrating the
boundary-layer equations along the streamline, as was done in the preparation of
the design curves, figures 6-32 and 6-33.
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III. COMBINATIONS OF BASIC SHAPES

This section describes methods that were used to calulete the aero-
thermodynamic characteristics of three combinations of basic shapes, the
hemisphere-cone, the blunt delta wing, and a flat plate with a trailing edge
flap. The blunt delta wing is made up of a flat delta wing with cylindrical
leading edges and a spherical cap. The spherical cap is of the same diameter,
and tangent to, the cylindrical leading edges.

The examination of combined simple shapes illustrates the adjustments
that must be made in applying basic methods to complex configurations. It
will be seen that in some cases, as for example the slender blunted cone, the
combined body has considerably different aerothermodynamic characteristics
than would be Jndicated by an examination of each element separately.

A. Hemisphere-Cone

1. Local Flow Properties

Nose bluntness affects cone heating rates by altering the surface pre3sure
distribution and by increasing the entropy of the flow at the boundary layer
edge. Typical inviscid-flow blunt-cone pressure distributions are presented
in figure 3-1. The values shown were calculated for a hemiphere-cone using
the blunt body inverse method (reference 11) for the subsonic region and the
method of characteristics for the remainder of the flow field. All calculations
are for real-gas air in chemical equilibrium. Also shown are the sharp-cone
pressure coefficients calculated using figure 2-4.

As shown in figure 3-1, the presence of the hemisphere affects the pressure
distribution for considerable distances downstream, particularly at small cone
angles. Theoretically, one expects that as the cone angle approaches zero the
effect of nose bluntness will persist infinitely far downstream. At large cone
angles, however, the effect is seen to be confined to a distance of a few nose
diameters.

Figure 3-1 is anmlicable only for cones with hemispherical noses, but
qualitatively similar behavior is to be expected for other nose shapes. The
blast wave analogy proposed by Lin in reference 14 and applied by many others
(see for example,, the discussion in reference 5) indicates that for given
free-stream conditions tne distribution on a blunt cylinder aligned with the
flow depends only on the nose drag coefficient and not on the details of the
nose shape. This conclusion cannot be applied in the vicinity of the nose
itself, however, since the analogy breaks down as the shock angle approaches
90 degrees. Since the bluntness effect extends such a short distance at
large cone angles, the effect of nose shape on the details of the pressure
distribution cannot be ignored in that case. However, it is seen that the
overall effect is relatively small when the cone angle is large.
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In contrast to the effect on pressure, the effect of bluntness on the
entropy of the inviscid flow theoretically extends infinitely far downstream
for all cone angles. The streamline at the cone surface reaches the stagna-
tion point after having passed through the normal shock that exists ahead of
all blunt bodies in supersonic flow. In crossing the shock much of the
kinetic energy of the stream is transformed into internal energy, with the
result that the surface streamlines on the blunt cone have a lower velocity
and density than at corresponding locations on sharp cones, even though the
static pressure may be nearly identical. These reductions in velocity and
density lead to a reduction in the heating rate as well. The changes in
local flow properties and the reduction in heating are commonly referred to
as "bow siock effects."

In calculating the bow shock effect the local flow properties are
obtained by isentropic expansion from the stagnation point to the local
static pressure. Since this calculation requires knowledge of only the
total enthalpy, stagnation point pressure, and the local pressure, it is
seen that the magnitude of the bow shock effect does not depend on the nose
shape or size, provided onl that the nose is sufficiently blunt that there
exists a detached shock wave.

The existence of a boundary layer on the cone modifies and reduces the
bluntness effect.* A streamline actually entering the boundary layer may
originate some distance away from the normal portion of the bow shock, as
shown in the simplified sketch below:

Y"

Streamline

Boundary layer edge

* One of the implications of this statement is that the inviscid flow on a

blunt cone does not approach as a limit the conditions of a local flow on a
sharp cone as the bluntness 12 decreased to zero, although the discrepancy
is confined to a vanisdh'Agly thin layer near the cone surface.
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Since the mass flow vithin the boundary layer is given by

Pe Ue (6 -")

it is seen that y, can be obtained without actually tracing the streamline.
Applying a mass balance leads to:

0. u . [( + 6 - 6~I)2 -R2] P u 2v R (6- 6*) PU (3.1)

or

* Pecyo 12 R (6- ) (3.2)
IU

If the variation of the shock wave angle with y is known, the entropy
just downstream of the shock can be obtained by oblique shock theory. Since
the static pressure at the edge of the boundary layer is equal to that at the

cone surface, all other flow properties can be obtained by isentropic expan-
sion.

The actual variation in heating rate along the surface of a blunt cone, in-
eluding the effect of the boundary layer mass absorption, follows the blunt cone
theory initially and then increases toward tLe sharp cone theory. Some slight
overshoot probably occurs as sketched be--,-:

\I
Actual Variation

CIO  Low Reynolds -High Reynolds
4/40 Number Number

Blunt Cone - No Boundary Layer Absorpion -

Distance
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The boundary layer thicknesses b and 8* will be affected by the
streamiise variation in edge flow properties, resulting in a difficult
boundary layer calculation. Very little has appeared in the literature
regarding the effect of such variation. Since the boundary layer is usually
assumed to be "thin," it is to be expected that the variation in local flow
properties will be gradual, and adequately accounted for by using the (varying)
local properties in constant property boundary layer formulas. Such a procedure
would account for the effect of changing levels, but not for the effects of

flow property gradients. Por any but the simplest shapes such a calculation
is very difficult and the results far from certain.

In the present report, blunt cone heating rates are based on local flow
properties calculated by isentropic expansion from behind a normal shock,
and so represent the lower curve of the above sketch. Further info-mation,
including some experimental results for flat plate turbulent boundary layers,
may be obtained from reference 15.

2. Streamline Divergence on a Blunt Cone

Bluntness does not change the fact that transverse pressure gradients
are zero if the cone is unyawed. As a result, the value of f/f E 1 and by
choosing the tangency point, or shoulder, of the hemisphere-cone combination
as the location of the reference value equation (2.15) can be written:

A sin 9ASH sin8SHX < 0 (3.3a)

A xHsi

ASH + tan 6 x 0 (3.3b)

where , 6 , and R are defined as shown:

0

B. Blunt Delta Wing

1. Local Flou Properties and Centerline Heating

On the blunt delta wingt as on the blunt cone, the hemispherical nose
affects downstream pressures and through the entropy effect, all other flow

properties. The evaluation of these effects is iiuch more complex than for
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the cone, varying with spanwise position as well as chordwise distance. In
addition, bluntness affects the delta wing streamline patterns, and the wing
in turn has an effect on the nose and leading edge flow. The calculation of
tnie flow field surrounding a blunt delta wing is more difficult than for the
sharp delta wing, since the previously mentioned ccndition of constant flow pro-

perties along ray lines can no longer be applied. In principle, the flow can
be calculated by the method of characteristics for three dimensions, using

blunt body theory to obtain the initial values. In practice, however, it was
found that a large amount of computer time was required, and the computer
results obtained showed indications of numerical instabilities.

This lack of exact theoretical methods for the blunt delta wing has re-

quired the use of approximate methods and empirical results. The bases for

the approximate methods are the basic shape methods of the previous section.

Tht empirical information is based on the results of an extensive series of

delta wing tests that were conducted during the X-20 program covering a

Mach number range from 6 to 22. The data from those tests has been reanalyzed
under NASA contract and will be published as references 16, 17 and 18.

The effect of bluntness on centerline pressure distribution is shown in

figure 3-2. These curves were obtained by matching empirical results

from the X-20 tests to the hemisphere method previously given. Also shown

in figure 3-2 are sharp delta wing values obtained from figure 2.4. The
blunt delta wing pressures are appreciably higher than those for the sharp

delta wing for at least three nose diameters, and for angles of attack greater
than approximately 300, do not fair into sharp delta wing values. The solid

curves of figure 3-2 have been used for the heat-transfer curves of Section

VI.

Near the centerline the effect of nose bluntness on entropy can be

calculated as described in the discussion of hemisphere-cones. However,

calculations show that the effect of the highly swept leading edges on down-

stream entropy levels is much less than for the hemisphere, and has a much

smaller effect on the heating rates. The proper evaluation of bluntness

effects on a delta wing therefore requires a detailed knowledge of the be-

ginning of each streamline that wets the surface, a knowledge that at present
does not exist. Since the bluntness effect reduces downstream heating rates,

it is conservative to neglect the bluntness effect except at the centerline,

where the surface streamlines are known to have come through the hemisphere

shock. The curves presented in this report for blunt delta wing centerline

heating are based on normal shock entrolr, as were the blunt cone curves.

The method used for calcalating spanwise distributions for blunt delta wings

will be described following a discussion of streamline methods.
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Bluntness effects on the streamline patterns were experimentally investi-
gated by an oil-flow technique. A mixture of oil and lampblack was spread
uniformly over the surface of test models before they were subjected to the
hypersonic tunnel flow. Patterns were seen to develop that indicate the
direction of the surface shear force. These patterns were then either photo-
graphed or transferred to vellum paper by direct contact. An analys''s was
made of the relation of these observed shear force patterns to the streamline
directions in the external flow which led to the conclusion that the surface
shear patterns always indicate more outflow than actually exists in the
external flow. The argument leading to this conclusion may be summarized
as follows:

1. A fluid particle in the external flow describes a curved path such
that the centrifugal force acting on the particle is in equilibrium
with the transverse pressure gradient.

2. The same transverse pressure gradient acts on particles within the
boundary layer., since the pressure is constant through the boundary
layer.

3. Since the velocity of the particles within the boundary layer is less
than those in the external flow, the centrifugal force will not mitch
the external pressure gradient unless the path of the particles within
the boundary layer has a smaller radius of curvature than that in the
external flow.

Hence, the surface oil flow patterns (which reflect the surface shear
forces) will indicate more curvature than exists in the external flow. This
conclusion would apply in either laminar or turbulent flow. The oil flow
results showed that bluntness greatly reduced the amount of outflow, with the
streamlines being nearly parallel to the centerline in proximity to the nose
even at high angles of attack. Since outflow increases the heating rates by
thinning the boundary layer, it is conservative to use sharp delta wing stream-
line methods on the blunt delta wing. This has been done in preparing this
report. Since the heating rate calculation involves streamwise integration
of the boundary-layer momentum equation beginning at the stagnation point (as
described in Appendix B) delta wing streamline assumptions do not affect the
prediction at the hemisphere shoulder. It is also to be expected that far
downstream where the wing span is much greater than the leading edge radius
the sharp delta wing streamline method should be applied. Thus, the use
of sI arp delta wing streamline methods in the region just downstream of the
nose results in a prediction that begins at sharp delta wing values. Far
down3tream the prediction approaches the same asyir,:t'ctic values as would be
calculated using a method based on estimated blunt wing streamlines, but
the prediction would be conservative in the intermediate region.

Using the sharp delta wing streamline prediction method, the streamline
parameter A in the vicinity of the centerline is given by

+ C A)- (3.4)
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where R is the nose radius, x is measured along the centerline, be 'ng at
the tangency point between the nose cap and the plane surface and given
by equation (2.28).

2. Blunt Delta Wing, Leading Edge and Nose Heating

The blunt delta ,ring discussion has thus far considered nose and leading
edge effects on the del a-wing flow field. As long as the wing flow field is
entirely supersonic, both normal and tangential to the leading edge in the
plane of the wing, it is to be expected that the flow over the nose and
leading edges will be unaffected by the lower surface. The sonic points on
both the leading edge and nose are about 45 degrees from the stagnation point,
so that the lower surface should begin to affect the leading-edge flow field
when the effective angle of attack given by equation (2.16) reaches 45
degrees. Such an effect on the location of the leading-edge stagnation line
was observed in the delta-wing tests as illustrated in the sketch below:

A 73o

0 Faired experimental data0

Infinite cylinder theory

? 60

i 20 19 0gh S

0 10 20 30 40 50
Angle of attack, a, degrees

The upper curve is a faired curve representing oil flow data measured
on an urrawed 73-degree swept blunt delha wing at Mach numbers of 6.0 and 8.08.
The lower curve can be computed using equation (2.17), since 9SL is numeric-

ally equal to 6 T . The curves show that at angles of attack less than about
150 the lower su,.face has no influence on leading-edge stagnation-line
location. However, as the angle of attack is increased, lower-surface pres-
sure influences the location of the stagnation line indicating that it will
reach tht shoulder at a lower angle of attack than predicted by the infinite
cylinder theory.
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During the X-20 program an approximate method was developed that pre-
dicts the angle of attack for which the stagnation line is located at the
shoulder. The method is based on the observation that when the stagnation
line is on the leading edge shoulder the velocity in the plane normal to the
leading edge axis is zero at the leading edge shoulder. In this crossflow
plane the velocity at the shoulder was estimated by superimposing the previously
described delta wing outflow velocity onto the leading edge velocity distri-
bution. Closest agreement with data obtained during the X-20 experimental program
occurred when the circumferential velocity distribution on the cylinder was
calculated by

where 6 is measured from the zero angle of attack stagnation line. The
velocity gradient (av/aO)SL was calculated from

(v Rv) =(uo ,n)dx (3.6)
where - u u-(which depends only on the normal Mach number) was calculated
for the true nobnal Mach number as given by equation (2.17a). The normal
velocity u is calculated as if for zero angle of attack by

u = u cos A (3.7)

Setting the shoulder value of v equal to the deltz7-wing outflow velocity as
given by equation (2.25) leads to:

ta c=(Y /2 0cosA (3.8)

Equation (3.8) gives that angle of attack at which the leading-edge
stagnation line is located at the leading-edge shoulder. Stagnation line
locations in this report have been approximated by using equation (2.17) for
angles of attack up to 15* and then fairing a line to the value obtained using
equation (3.8).

A second lower-surface effect on the leading edge that was first noted
early in the X-20 program was a reduction in stagnation-line heating rates.
Suich a reduction is to be expected when it is noted that at very high angles
of attack equation (2.24) predicts that the flow near the leading edge is out-
ward. In that case the leading edge behaves as a trailing edge, and a reduc-
tion in heating is to be expected. No reliable methods were developed for pre-
dict~ng the magnitude of the reduction, however, since there was little affect
on the X-20 operating envelope.

At about 45 degrees angle of attack the delta-wing lower surface influences
the subsonic portion of the nose hemisphere flow field, and a similar reduction
in stagnation point heating is to be expected. However, the effect is expected
to be small, and no evaluation of this effect was made during the X-20 program.
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3. Blunt Delta Wing Spanwise Heating Rate Distribution - Leading Edge

Stagnation line locations shown in the charts of Section VI were deter-
mined using the method just described. Stagnation line heating rates were
determined by infinite cylinder theory for flight conditions at angles of
attack less than 20 degrees. The aforementioned reduction in heating rates
at the stagnation line in comparison to infinite cylinder theory is based on
a 73-degree swept delta wing data and is purely empirical.

The blunt delta wing heating curves shown in Section VI from the
stagnation line around the leading edge and onto the surface were defined by
the data of reference 16. The actual magnitude of the heating rate ratios
presented, however, were shifted in order to fair smoothly into theoretical
centerline values.

C. Deflected Flap

1. Compression

Flaps deflected into .r stream compress the oncoming flow and often cause
the boundary layer ahead of the flap to sepnrate. Effects of flow separation
and reattachment on aerodynamic heating can be large and extremely complex.
In most cases predictions must be based on approximate methods. The difficulty
of providing useful heat-transfer information for actual design is made some-
what easier by the fact that maximum values are usually of most interest.

Aerodynamic heat transfer through a laminar separa ed region wau analyzed

in reference 19 by an extension of boundary layer theory. That calculation
indicated that the average heat transfer in a separated region is reduced by
about 50 percent as compared to attached flow heat transfer for the same

local flow properties at the boundary layer outer edge. This result has
been verified in tests of reference 20 for cavity-type flow and tests of
reference 21 for forward-facing step flow. The results of reference 20
indicate that the same reduction might apply to turbulent flow. Test d.ta
of reference 21, however, indicate an increase in heating for separated
transitional and turbulent flow over forward-facing steps.

The prediction of reattachment heating is difficult because of large
preasure gradients that exist throughout the reattachment region. Calcula-
tions (reference 22) have been made for laminar boundary layer flow at
reattachment; however, a prior knowledge of the reattachment pressure
gradient is required. Since regions of separated flow and locations of
reattachment are practically impossible to predict i'or c.omplcx configurations,
an approximate method was developed during the X-20 program to predict the
upper bound of reattachment heating. This method relates the maximum inviscid
pressure rise on the deflected flap to a maximum heating rise at the point of
reattachment as follows:

hMAX = MAX (3.9)

h UND ISTURBED UNDISTURBEDl
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This approximate result is based on the relation:

h constant P * 4* 1/n ue
Pr2/3 * * Ue /(n+) (3.10)

wh'ch is a slight generalizatioL of an equation shown in reference 23. In
equation (3.10) n is 1 for laminar flow and 4 for turbulent flow. The super-
script * denotes evaluation at the reference temperature, defined by Ecket
(reference 24) as:

T*= 0.5 Tw + 0.28 Te + 0.22 TAW

To evaluate the effect of a sudden compression on h as predicted by equation
(3.10), we write

n + f1/n+i
-e dx e 3-1

h- (P * * 1/n ue)+ o p* A d (3.11)
h_ (p,*M, /n Ue)- _:

0

where the subscripts + and - indicate evaluation just downstream and Just up-

stream, respectively, of a sudden compression. If the compression occurs over
a very short distance, the two integrals must be nearly equal, since

P *AS* ue dx f P* * Ue dx + (x+ - xp) P1 p* ue +

0 0

and for small values of (x+ - x_)
.+
p* M* ue dx f P * A* lie dx (3.12)

0 0
so that h+ L ,p* *1lnu e)+ ([e(* /n/T*) uj+

-- " -(3.13)

h. (p* *l/n%)- ~Pe (j* //T *) uel

In this expression the change in pressure are dominant. The changes
in the reference temperature T * are small because TW and TAW do not change

appreciably. In addition, the changes in T* and A * tend to compensate.
Referring to equation(2.20), it is found that the ratio of local to free-
stream velocity is approximately unity for angles of 30 degrees or less.
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Neglecting the "small" differences in velocity and temperature leads to:

Pe ,U/*I/n/T*) U1+. (P)+ (3.14)

LPe (;j /n/T*) uq] (P) -

Immediately downstream of the compression the heating rate begins to decrease

as the integral in equation (3.10) increases. Hence,

h+ hMA + MAX
- " - (3.9)

h hUNDISTUJRBED P - UNDISTURBED

Since no assumption has been made regarding boundary layer state, equation

(3-9) applies in either laminar or turbulent flow. Equation (3.9) would also
be applicable in the presence of flow separation provided that no appreciable

increase in the integral of equation (3.11) occurred over the separated region.

Since the integral represents the effect of wall shear on the boundary layer

growth, it seems reasonable that the small shear forces in the separated

region are also negligible. In the case of separation the subscripts + and -

would refer to conditions just ahead of separation and just downstream of

reattac.ment. Although the development of equation (3.9) involves several

gross approximations, it has been used in the absence of any better method.

Ccmparlbons of equation (3.9) with experimental data are presented in

reference 17.

2. Expansion

Aerodynamic heating rates to flaps in an expanding flow field, while

less than those obtained on compression surfaces, may be required for design.

The presence of the boundary layer complicates the flow field by creating a

displacement effect that changes the effective expansion angle. To deter-

mine this angle in a two-dimensional flow field, boundary-layer growth must be

taken into account.

Consider the flow illustrated in the following sketch:

xI M- Boundary layer edge

- ---- --- --- splacemeiat tc ~

d6 = Bounary layer thickness rdet v 2

d6

d--- =Displacement thickness gradient
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In the absence of a boundary layer the effective turning angle is 8f

and the flow properties at the wall can be determined using the Prandtl-Meyer
equation

2 V2 H2 (2 _11/2 d
60ff] - 1 ) H (3.15)

where H is the difference between total and local enthalpy and a is the speed
of sound evaluated using local enthalpy.

In the presence of a boundary layer, equation (3.15) is valid only for

that portion of the turning angle external to the boundary layer. The

effective expansion angle is given approximately by

6  - d6* (3.16)of-dx

Equation (3.16) was used in preparing this report. However, this

equation is exact only if the boundary-layer edge flow properties are
constant. No exact simple formulation exists if the external flow properties
are not constant due to the existence of nonisentropic flow within the
boundary layer.

Consistent values of Av and S" were obtained by an interative process
in which equation (3,15) was first used to calculate pressure neglecting the
boundary layer effect on turning angle. The displacement thickness was then
determined using the Nonsimilar Boundary Layer Program. Equation (3.16)

was then used to determine a new turning angle. This process was repeated

until further changes were negligible.

Since the iteration process is lengthy the following approximate closed

form relationship was fitted to the numerical results:

where hEXP is the heat transfer coefficient un the expanded surface, hHL

is the heat transfer coefficient at the hinge line, P/PHL is the inviscid

pressure ratio across the expansion wave, XHL/x is the ratio of the distance

to the hinge l1 ,e to the distance from the leading edge of the flat plate.

For laminar flow n is 0.5 and for turbulent flow n is 0.2. The exponent m

has a value of approximately 0.8 for laminar flow and approximately 0.9 for

turbulent flow. However, due to th,, fact that equation (3.17) involves several

approxitations, a was conservattvely assumed equal to 0.8 for both laminar and
turbulent flow.

Use of equation (3.17) is limited to two-dimensional sharp-flat-plate-flap

combinations at angles of attack greater than zero degrees.
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IV. SURFACE CONDITION EFFECTS

In general it is not to be expected that the surface panels of a re-entry
vehicle will have the ideally smooth surfaces assumed in the basic heat trans-

fer analysis. Roughnesses resulting from manufacturing tolerances which may
_low protruding fasteners, panel mismatch, and panel surface curvature can
cause flow field disturbances. The severe thermal environment may lead to
buckling of surface panels; further, shallow corrugations or surface waves may
be required to control the orientation of skin buckling that results from
thermal expansion. It is also unlikely that perfect sealing can be provided at

panel joints and particularly at the hingelines of movable control surfaces.
Leakage at such points can bleed off the relatively cool air in the lower part
of the boundary layer and so cause increased heating rates.

In the X-20 program the Nonsimilar Boundary Layer Program, Appendix C,
was used to calculate the effects of leakage and shallow surface waves on
laminar heating rates. The results of those calculations are described in
this section. For all other roughness effects it was necessary to rely on
experimental results. The surface roughness tests were not completed at the
termination of the X-20 program, nor was the analysis completed of those tests
that had been made. The results available at the time led to the following
conclusions:

1. Forward facing steps are not acceptable for design.
2. An allowance of 20_ percent for the effect of aft facing steps was

required.
3. iWnire notches were unavoidable, they should be combined with aft

facing steps.

A detailed test of aft facing step and notch configurations was in progress
at the time of the termination of the X-20 contract. The results of the
surface roughness tests are being reanalyzed by The Boeing Company imder
contract to NASA, and will be published in reference 18.

A. Shallow Surface Waves

Calculations of viscous interaction effects on the pressure and boundary
layer over a shallow wave were made by combining the results of linearized
theory and the Nonsimilar Boundary Layer Program. An inverse method was em-
ployed using linearized theory for the pressure distribution) and the Non-
similar Boundary Layer Program to calculate laminar boundary layer profiles.
A method essentially the same as the oite used in this report was developed by
Baxter and Flugge-Lotz, reference 25.
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The parameters entering the calculation are shown in the sketch below.

(Pe Ue-).P&Y1

Yref YefZ - - !

A distribution of pressure was assumed and Ay found from linear theory with the
aid of equation (4.1):

lMe2 - 1

Using the Nonsimilar Boundary Layer Program the effect of the assumed pressure
distribution on the boundary layer can be accurately calculated. Then the
height of the surface wave correslpnding to the assumed pressure distribution
is given by:

B!Pe Ue)Fpl

= Yref +AY - 6*Fp L Pe Ue J (Yref - 6*FP) (4.2)

When the results of many such calculations were examined it was found that the
following equations could be used to predict the maximum laminar heating rates:

'4MA X 1 K, + [KI 2  4 K2 '1/2

where

K,= [I + ABC + (1/6p) (BCD - 1)]/[AC t R/6 Bo]

(4.4)
R/6 )B /AC + R/6* (CD))

K2  'F )(B/6 FP F

and

A, B, C, and D are defined as
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A = Yr Fl is F "AP (4.5a)
LF P JL Pee P

4FP MW I N

- P S- MAXQ (4.5c)
PSM

1= [Mve i]/2 W (4.5d)7 T Me 2 '  R

The following numerical evaluations of the parameters A,, , and C weremade
through correlation of Nonsimilar Boundary Layer Program results.

0.3
0.78 + 0.84 L

B = 2.5 (0.78 + 0.84 iw/io)

1 __C= (0.78 + 0. 84 iwAo)

Curves are given in Section VI that provide numerical results in laminar
flow based on equations (4.3), (4.4) and (4.5).

No analytical method had been developed to predict the effect of
surface waves in turbulent flow.

B. Leakage

The effect of leakage on laminar heating rated was also calculated with
the Nonsimilar Boundary Layer Program. Calculations were made for constant,
parabolic, and sinusoidal leakage velocity distributions.
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The leakaqe velocities assumed are illustrated by the following sketch:

Uu

Sinusoidal

Parabolic

M Constant

where i is the rate at which mass leaves the boundary layer, Vm is the
leakaSe velocity, andu es the boundary layer edge velocity. Downstream laminar
heating rates were computed using the Nonsimilar Boundary Layer Program.
The results were well correlated by the following equations independently of
the distribution of Vm :

=1+ 0.494 L

4NL (X/XL - 1)2 / 3  (4.6)

L ii (Pw AW Ue XL 2  (4.7)

where HL qNL
L -A( - i w  (4.8)

The definitions of the above terms are shown in figure 4-1. Equation
(4.6) was used to prepare the leakage effect curve cf Section VI.

Fo- turbulent flow no analytical method existed for Dredicting the
effect of leakage on heating rates.
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V. APLICATION TO COMPLEX COINFIGURATIONS

The aerothermodynamic environment of a re-entry vehicle is highly
configuration and trajectory depender.t, and no set of generalized rules
can be expected to insure an accurate and thorough analysis. Rather,
each vehicle must be examned individually and the adequacy of the analysis
will depend in good part oc the experience and care of the engineer making
the itudy. However, when properly applied the charts of the following
section can provide good iLf'ial estimates of heating rates for typical
hypersonic vehicle configurations b-ing coneidered today. As a minimum
the following steps should be taken:

1. Make preliminary estimates by dividing the vehicle into geometric
elements corresponding as closely as possible to the shapes discussed
in Sections II and III, and Eppaiy the COrTesponding curves of Section VI.

2. Fxamine the relation of each element to the others. If an element is
within the flow Yield of another a detailed calculation of the local
flu w should be made to determine the local pressure increase. Then
muJx.iply the previous estimate of the local heating rate by the presLure
ratio sc obtained. (This calculation is particularly aplicable to
local re-entrant corners, such as deflected trailing edge flaps.)

3. Estimate the location of shock waves to deten.ine if any will impinge
on any other part of the configuration. There is no simple method for
calculating the effects of such impingements in all cases, 'out in the
absence of more definitive information it should be assumed that a
significant heating rate increase will result.

4. Examine each location at which the heat protection system changes in any
way, and look for any design feature that could interfere with the
action of the heat. protection system. For example, on a radiantly cooled
vehicle, examine each location at which the material temperatire limit
changes, and look for radiation blockage by nearby configuration com-
ponents.

5. Estimate the effect of the surface condition during re-entry on smooth
body heating. No simple theory exists for any roughness element dif-
ferent than a wave. The rule followed for the X-20 was to try and
eliminate grooves ;nd steps where possible and attempt to control the
orientation of aurface buckling.

It is emphasized that the above are only the preliminary steps, with the
course of further analysis dependent on the results of these initial calcu-
lations. For example, step 2 may lead to unnecessarily conservative v,,lues,
but will highlight potential problem areas. Thus, on the highly swept delta
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wing glider shown in figure 5-1, step 2 in the above procedure would direct
attention to the elevons and canopy, while step 3 would indicate that the fin
may be critical at low angles of attack. On the hypersoic airbreather shown
in figure 5-2 the critical regions indicated would be the wing leading edge
at its juncture with the body and at the impingement point of the body shock
wave, the entire cowl, the tip fins, and the interior of the engine where re-
radiation of heat is blocked by the enclosed geometry. Two examples from the
X-20 program that illustrate the need of detailed analysis will now be
described.

A. Control Surface Gap

If aerodynamic flaps are to be used for control they must be allowed to
move freely. It was found in the X-20 studies that free movement could be pro-
vided only by preventing contact between the outboard edge of the elevon and
the fin. When due allowance for thermal and load deformations had been made
it was found that a sizeable gap existed between the two surfaces, and that
flow through the gap would occur at many flight conditions. Although the
resulting aerodynamic heating was not severe, excessive temperatures occurred
because the heated surfaces, being in close proximity, were unable to re-
radiate effectively. Thus it became necessary to obtain accurate heating
rate information for the inside of the gap.

Since it was unlikely that a analytical investigation alone would lead
to an acceptable fin-elevon design, a series of tests were conducted specifi-
cally to solve this problem. A large number of fin lower edge shapes, elevon
outboard edge shapes, and gap widths were tested to determir, the combined
effects of aerodynamic heating and improved radiation view factor on gap tem-
peratures. The analysis of experimental data and radiation view factors in-
dicated that the point of maximum surface temperature occurs very near the
point of minimum fin-elevon separation for fins and elevons having cylindrical
surfaces, and near the junction of the entrance and plane sections for
parallel fin-elevon surfaces. Gap width was found not to affect pressure
distributions as long as the flow was not choked by boundary layer growth.

The above information forms a basis for the analysis in this report
which considers the flow fields associated with the three gap configurations
presented in figure 5-3.

Maximum temperature will occur on these gap configuretions approximately
90* from the shoulders indicated on figure 5-3. The pressure distribution
used in calculating a heating rate distribution by the p r/Ur method is shown

in figure 2-1. Stagnation conditions were based on the normal velocity com-
ponents, V = V sinc (5"I)

n (5

where V. is the stream velocity and a is the vehicle angle of attack. The
heating rate 90" from the shoulder is used for the design chart shown in
S'ction VI.



B. Fin Leading Edge and Cancpy Interference Effects

The vehicles illustrated in figures 5-1 and 5-2 have vertical fins that are
to be used for aerodynamic control and canopies forming the cockpit area.
Experimental data obtained during the design of the X-20 indicated that at
low angles of attack, fin leading-edge and canopy heating rates would t"
considerably higher than predicted by swept-infinite-cylinder theory or local
oblique-shock theory based on free-stream conditions. The higher heating rates
are attributed to the shock wave generated by the wing surface interfering
with the leading edge and canopy surface flow field.

The exact nature of the interference effect has not been established, even
at the present time. However, based on the results of the calculations de-
scribed below, it appears that the primary effect Is the change in local
flow properties caused by the wing shock envelope. The flow field is illus-
trated below:

The effect on the canopy heating rate was estimated by using oblique shock
theory to calculate local flow properties just downstream of the shock. The
canopy heating rate was then calculated with infinite cylinder theory using
the local flow properties. It was found that for each angle of attack the
effect of the oblique shock varied such that there was a most unfavorable
angle, as illustrated below:

Lie of -smu-
betting rates

//

AA
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Since the )ow shock is curved, it was assumed that at some point the most
unfavorable angle would occur, and that therefore, the maximum canopy heating
rate would be given by the maxima of the above family of curves. Good agree-
Nent with test data was obtained by this method.

It will be noted that for given free-stream conditions the final result

depends only on the trae sweep angle, A, of the canopy, (since the angle of

the shock is assumed to take on all possible values) and thus can be plotted

as a single curve. The curve so obtained was also applied to fin leading

edges, and again good agreement with test data was obtained. The agreement

with the fin data may be fortuitous, however, since the effect of sweeping 1

the initial shock in the pltnform view was not considered.
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Figure 5-L1 RE-ENTRY VEHICLE

FIgure 5-2: HYPERSONIC CRUISE VEHICLE
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VI. DESIGN CHARTS

This section contains charts that provide numerical values of heating
rates to the geometric elements and methods discussed in Sections II, III, IV
and V. As stated in Section II, calculations were made assuming the flow to
behave as a continuum and to be in chemical equilibrium. All charts showing
altitude were developed using the U. S. Standard Atmosphere, 1962. Other gas
properties have been determined using references 1, 2, and 26.

A. Method of Presentation

Heating rates are presented in terms of equivalent heat-transfer coeffio
cients and recovery temperatures defined by

h - 4 (6.1)
TAW - Tw

where j is the local heating rate Tw is the local wall temperature and TAW is

the recovery temperature defined as

1AW 'AW "R (6.2)
TAW = Cp = 0.24

where iAW is the recovery enthalpy and cp is the specific heat at constant

pressure for a perfect gas. Defining h and TAW in this manner is equivalent

to assuming that the specific heat of air at the wall temperature is always

% = 0.24 Btu/lbm (6.3)

While in reality this assumption is usually not true, the error in making
this approximation is small because of the large difference between recovery
enthalpy and wall enthalpy for hypersonic flight conditions. In addition,
the assumption is always conservative, in that its use always results in
slightly higher values of heating rate. Finally, use of equation (6.2)
allowed structural designers to easily obtain equilibrium wall temperatures
for radiation cooled structures using the simplified thermal balance rela-
tionship

RlAD = (6.4a)

or f LT (Tw eq) 4 = h (TAW - Tw eq) (.b

where ( Is the surface emissivity, a is the Stefan-Boltzmann constant and RD

is the heat flux lost through radia'tion when the wall temperature has reached
equilibrium.
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Heating rates, 4, were calculated assuming a wall temperature of
2000 OR. This temperature waschosen becaus Lt represents the order of
temperature one can expect on nonrefrectory materials during the most
critical part of lifting re-entry. CorreLtion charts are presented that
allow heat-transfer coefficients to be obtained for other wall temperatures.

B. Reference Conditions

Heat transfer coefficients, as represented by equation (6.1), were
calculated for all of the elements considered in Section II, III, IV and V at
the two flight conditions* shown in Table I.

REFERENCE FLIGHT CONDITIONS

Larxnar Turbulent

Altitude 240,000 ft. 180.000 ft.

Velocity 20,700 fps 18.700 fps

TABLE I

This table represents the design conditions most critical for the X-20.

Distribution functions were formed for each geometry by normalizing local
values of heat transfer coefficient by a reference value calculated at the
appropriate flight condition for laminar or turbulent flow. Distribution
functions formed in this way are relatively weak functions of altitude below
about 280,000 feet and velocity between 8,000 to 26,000 fps. For laminar flow,
the reference value, h , chosen was the stagnation point of a 1-foot-radius
hemisphere. Laminar h~ating rates for all of the geometric elements (i.e.,
sharp plates, sharp and blunt cones etc.) considered in Sections II, III, IV
and V have been normalized by this value and a±~e presented in terms of
attitude. Other altitude and velocity combinations are then obtained by
multiplying distribution functions by the appropriate reference value.

*For laminar flow the "altitude-velocity" chosen is in the region of chnical
nonequilibrium flow. The effect of chemical nonequilibrium on heating is
not taken into account in this document. However, it is expected to be small
and favorable.
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No unique way has been found to normalize all turbulent heating rates by
the same reference value and keep the resulting ratio relatively insensitive
to altitude and velocity. As a result, in turbulent flow two methods were used
to find reference values for normalizing local heat transfer coefficients.

The first is used in conjunction with sharp flat plates, sharp cones,
sharp delta wings, yawed infinite cylinders and control surface gaps. Refer-
ence values correspond to turbulent stagnation line heating rates for a 60'
swept infinite cylinder with a 1-foot radius. This reference value was used
exclusively during the design of the X-20 and was designated at that time as
the "Turbulent Reference Heat Transfer Coefficient," hRT. This nomenclature
,ias been retained in this report.

Development of the second method was completed during nGhe compilation of
this report. It ib used in determining reference values to normalize turbulent
heating rates on the hemisphere, unyaved infinite cylinder, blunt cone and
blunt delta wing. This method utilizes the relationship between laminar and
turbulent flow inherent in the p r Ar method. This expression, developed in
A p p e n d i x B , i s r 1

hT 0.185 R 1/2
hT= (6.5)
hL 0.332 [log 10 (R r + 3000)]2584

where R is the reference Reynolds number, defined in Appendix B as
r

R r Mr 2 Xe,Lo (6.6)

r o2 FX2  Xeq, L

Equation (6.5) is shown in Appendix B to be valid in the Reynolds number
range between 0.003 million and 100 million.

Absolute values of laminar or turbulent heat-transfer coefficients are
then obtained at altitudes and velocities different than shown in Table I
through the use of the appropriate reference value using te relationship

h= (hL) href (6.7)

where the subscript ref signifies "o" for laminar flow and "RT" for turbulent flow.

*Called reference because of its special significance to the P r Ar method.
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C. Reference Condition Charts

1. Recovery Temperature

The equivalent recovery temperature, equation (6.2) has been evaluated over
a range of velocities between 8,000 and 26,000 fps. It is presented in figure

6-1 as a function of free-stream velocity and the ratio of the recovery temper-
ature to the stream total temperature

TT T + v(6.8)TT = ° +2 Cp.,i

The ratio, TAw/TT, is shown over the range 0.85 (corresponding to flat

plate incompressible laminar flow values at 6 - 0; reference 27.) to 1.0, the

latter value being at the stagnation point.

2. Laminar Reference Heat-Transfer Coefficient

The reference heat-transfer coefficient for laminar heating is the laminar
heat transfer coefficient, h0 , at the stagnation point of a 1 foot radius hem-

isphere. It is shown in figure 6-2. Wall temperature corrections are shown

in figure 6-3 as a function of free-stream Mach number, M,. Radius corrections
may be made with the equation:

h =(Ro 1/2 (6.9)
ho R

where h is the stagnation point heat transfer coefficient for a sphere of

radius R and h0 is the reference laminar heat transfer coefficient for a sphere

of radius R - 1 foot.
0

3. Turbulent Reference Heat Transfer Coefficient

Absolute values of the reference heat-transfer coefficient for turbulent

heating, h RT, are presented in figure 6-4. These curves represent the turbulent

stagnation-line heat-transfer coefficient for e 600 swept, 1-foot-radius in-

finite cylinder. Wall temperature corrections are shown in Figure 6-5.

Figure 6-4 can be used to determine turbulent stagnation line heating rates

for 600 swept cylinders of radii different than 1 foot by using the correc-

tion factor shown in figure 6-6. This correction is, however, dependent on

the reference Reynolds number at the stagnation line. To avoid confusion,

this particular evaluation of equation (6.6) was designated, R., and is pre-

sented in figures 6-7 and 6-8 as a function of altitude and velocity.
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D. Geometric Elements

1. Hemisphere

The laminar design curve for the hemisphere is shown in figure 6-9. Wall
temperature correctiewus may be obtained from figure 6-3 and a radius correc-
tion by equation (6.9).

Turbulent design curves for the hemisphere are normalized by the laminar
value as described above.

Local reference Reynolds number, equation (6.6), at the location of maxi-
mum turbulent heating is presented in figure 6-10 in terms of altitude and
velocity for a hemisphere of R = 1 foot. The reference Reynolds number for
a hemisphere of radius R can be found by the equation

Rr = (R) (Rr ) (6.10)
MAX MAX Raift

where R is obtained from figure 6-10. The location ofrMAX,R = 1 foot

maximum turbulent heating is shown in terms of local reference Reynolds
number in figure 6-11. Local heat transfer coefficients normalized to the
maximum turbulent values are presented in terms of the local angular location
in figure 6-12. A slight Mach number dependency is noted. Finally, the level
of turbulent heating is determined by figure 6-13 which relates the maximum
turbulent heat-transfer coefficient, hMAx, to the laminar stagnation-point

value, hsp Figure 6-13 is based on a correlation that is a function only of

the local reference Reynolds number, R , provided that the pressure distri-

bution in the vicinity of maximum turbuent heating is based on modified
Newtonian theory, equation (2.4). For local reference Reynolds numbers in
the range 0.01 million to 1 million, the correlation for (hMAX/hSp) can be ex-
pressed by the equation.

hMAX 0.283 (6.3)

h p = 0. 0844RrMAX

Vorticity ILteraction Effects on Stagnation Point Heating

Design curves for modifying stagnation point heating rates for vorticity
interaction are ahown on figures 6-14 and 6-15.

The vorticity interaction parameter, F , is obtained using the relation-
ship

r = F, F2/ VRO 0  (6.12)
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where F, and F2 are defined by figure 6-14 and

Re = (6.13)

The parameters in equation (6.13) were defined in Section II as follows:
p is density, ps is viscosity evaluated at stagnation conditions, i 0 is
sream total ent&alpy, and R is the nose cap radius.

Figure 6-15 presents the ratio of heating with vorticity to heating
without in terms of the vorticity interaction parameter r. Both the Non-
similar-Boundary-Layer results and Ferri's results (reference 8) are shown
on this figure allowing the reader to apply either method.

2. Infinite Cylinders

a) Swept Infinite Cylinders

Design curves for laminar stagnation line heat-transfer coefficients are
shown in figure 6-16. Circumferential heat-transfer distributions for
laminar flow are presented in figure 6-17 for sweep angles between zero and
80 degrees. Turbulent stagnation line heat-transfer coefficients presented
in figure 6-18 are normalized using the turbulent reference heat transfer
coefficient h... Circumferential heat-transfer distributions are shown in

figure 6-19 over the same range of sweep angles as in the laminar case ex-
cept that the zero degree sweep (unswept cylinder) case has been deleted
from this curve.

b) Unswapt Infinite Cylinders in Turbulent Flow

The method described under turbulent heat-transfer distribution on a hem-
isphere alao applies to the unswept infinite cylinder although the charts are
different. The reference Reynolds number at the location of maximum turbu-
lent heating on the unswept cylinder is shown in figure 6-20 for an unswept
infinite cylinder 1 foot in radius. The differences between the infinite
cylinder and the hemisphere are primarily due to changes in x : and are on

the order of 2 to 2.5 times larger for the unswept cylinder. The local
,* eerence Reynolds number for an unswept cylinder of radius R may be found

ia equation (6.10) after R = foot is obtained from figure 6-20.

Figure 6-21 shows the variation in the location of maximum turbulent heat-
ing with R rMAX. From figure 6-22 the turbulent heating distribution can be

obtained in terms of the maximum turbulent heat-transfer coefficient h "

The lower curve in ligure 6-13 relates the maximum turbulent heat-trans-
fer coefficient on an unswept infinite cylinder to the stagnation point heat-
transfer coefficient of a hemisphere having the same radius as that of the
cylinder. For reference Reynolds numbers in the range 0.01 million to 1
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million the correlation of bc/hsp can be expressed by the equation

hMAX 0.0613 R 0.283 (6.14)h S-P r RMAX

Comparing equations (6.11) and (6.14), and remembering that Rr is 2 to

2.5 tires larger for the cylinder than for the hemisphere, we see that turbu-
lent heati.ng rates on an unswept cylinder are approximately 10% less than on
a sphere of the same diameter.

3. Sharp Flat Plates

Design curves for laminar and turbulent heating on the sharp flat plate
are shown in figure 6-23. The laminar heat-transfer coefficient hFP,L has

been computed for x = 1 foot. For turbulent flow the heat-transfer coeffi-
cient hFP,T is presented for x = 10 feet.

The wall temperature correction is shown in fizure 6-24 and applies also
to sharp unyawed cones and sharp delta wings.

The distance correction, shown in figure 6-25 except for low angles of
attacks is given by:

h _ (X m/x)n (6.15)

hm

where h is the heat-transfer coefficient at a distance x and h is the heat-
x m

transfer coefficient at distance x . For laminar flow n = 0.5, x = 1.0in m
foot and h = b..,L" For turbulent flaw n = 0.2, x = 10 feet and

hm= hFP,T.

The exponent on the ratio (x/x) is a variable that is dependent upon the
reference Reynolds number, equation (6.6).

Figure 6-25 also applies to unyewed sharp cone and sharp delta wing

distance corrections.

4. Unyawed Cones

a) Sharp cones

Des tgn curves for laminar and turbulent heating on unyawed sharp cone
surfaces are shown in figure 6-26. The laminar heat-transfer coefficient
h SCL on the sharp cone is for x= 1 foot and for turbulent flow the heat-
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transfer coefficient h SC,T is for x = 10 feet. The wall temperature and

distance corrections are shown in figures 6-24 and 6-25 respectively.

b) Blunt cones

Design curves for laminar heating on an unyawed blunt cone having a
hemispherical nose cap are shown in figure 6-21. A noticeable "bump" is
noted in this curve just aft of the nose cap-cone junction. This "bump"
corresponds to the region for which perturbations in the pressure distribu-
tion have occurred as was shown in Section III, figure 3-1. These effects
damp out more rapidly at large semi-vertex angles of the cone.

Wall temperature effects are given by figure 6-3 for the stagnation

point region of the hemispherical nose cap and figure 6-24 for the coni-
cal surface.

Turbulent heating rates tre presented using the second method of Sec-
tion VI-B. The local reference Reynolds number at the point of maximum
turbulent heating on a 1-foot-radius nose is deiermined using figure 6-10. For
nose cap radii different than 1 foot, modify R using equation (6.10).rMAX

Figure 6-28 presents local reference Reynolds numbers at a distance.0
from the stagnation point. The ratio defined by equation (6.5) for blunt
cones is shoun in figure 6-29. Absolute turbulent heat-transfer coeffi-
cients at the location S are then determined from the relationship.

hBC T 23),h (6.16)
B, (h h h 0BC,T \hBC, L

where the ratio (h c4hBcL) is defined by figure 6-29, the ratio

(hBcD/hSP) is defined by figure 6-27, (hSp/ho) is defined by equation (6.9)

for the radius used to determine R , and h is the laminar referencer o

heat-transfer coefficient shown in Wgure 6-2.

5. Delta Wings

a) Sherp Delta Wings

Design curves for laminar and turbulent heating on a 70 ° swept
sharp delta wing are shown in figure 6-30. The laminer heat-transfer coeffi-
cient hDWL is for x = 1 foot, and the turbulent heat-transfer coefficient,

h DW,T is for x = 10 feet. The wall temperature and distance correction

factors are shown in figures 6-24 and -25, respectively. Corrections for

the effect of sweep on centerline heating can be made using the curves of
figure 6-31. Spanwise heat transfer distribation curves axe given in
figures 6-32 and 6-33 for laminar and turbulent flow, respectively, in terms
of a ratio of local heat-transfer coefficient, h , to the coefficient at
the centerline, h = 0.. The effective gamut used for streamline calculations
was equal io 1 .2.
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b) Blunt Delta Wings

Laminar heating de3ign curves are presented in figure 6-34 for obtaining
values on the centerline of a 730* swept blunt delta wing. As noted in Sec-
tion III, nose bluntness effects were neglected and are not included on this
figure. Correction factors for sweep effects on centerline heating are pre-
sented in figure 6-35.

Spanwise laminar heating distributions are shown in figures 6-36 and 6-37.
As noted in Section III, these are semi-empirical distributions that have
been determined using data (reference 16) measured in proximity to equiva-
lent centerline locations of S/R = 17 and 21, in conjunction with theoretical
centerline heating rates calculated using the P 4 method, Appendix B, andr r

semi-empirical leading-edge stagnation-line locations determined using the
faired curve shown in Section III-B-2.

Leading-edge sweep angle influences spanwise heating dittributions.

For the range of sweep angles of most interest in hypersonic flight (usually
between 650 and 80*) a first order approximation can be made using informa-
lion available on design charts appearing in this document. The following
procedure is suggested:

(1) At the Leading Edge

Establish a new stagnation line location using figure 6-38 and effec-
tive sweep angle using figure 6-39. Determine the percentage difference
between laminar stagnation line heating rates for swept infinite cylinders,
figure 6-17, having effective sweep angles corresponding to geometric sweep
angles of 730 and the one being investigated. Shift the stagnation line
location shown on figure 6-36 or 6-37 to the new value and modify the stag-
nation line heating rate ratio by the percentage difference in heating rates
previously determined for swept infinite cylinders. Construct a new dis-
tribution curve in proximity to the stagnation line using the slopes shown
on figure 6-36 or 6-37.

(2) At the Centerline

Modify the values at the centerline using the sweep correction curves
of figure 6-35. Construct a new distribution curve similar to the one shown
on figure 6-36 or 6-37 depending on S/R.

For leading-edge sweep angles less than 73 centerline heating rates
decrease whereas the stagnation-line heating rates increase. For leading-
edge sweep angles greater than 730 centerline heating rates increase but
stagnation line heating rates decrease. For either situation modify the
leading edge distribution curve of figure 6-36 or 6-37 to intersect the new
lower-surface heating distribution curve.

To establish laminar spanwise heating distributions for centerline values

*This sweep angle was chosen because the bulk of the delta wing models used
during the X-20 test program had this sweep, and the data obtained from that
program was used to substantiate the method and provide spanwise distributions.
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of S/R different than those shown on figures 6-36 and 6-37 the following
procedure is suggested. The value at the centerline for the S/R of interest
is established using figure 6-34. Construct v, new lower surface heating
distribution curve parallel to the one shown in figu:e 6-36 or 6-37 (using
the figure having an S/R closest to the one desired) until it intersects
the leading edge distribution curve shown.

Turbulent heating rates to the centerline of the delta wing can be
obtained using the second reference method which is similar to the procedure
used with a blunt cone. The reference Reynolds number at the location of
maximum turbulent heating on the hemispuerical nose is obtained from
figure 6-10 and is used in conjunction with figure 6-40 to determine tn,
local reference Reynolds number on the lower ,,urface centerline at a dis-
tance S from the stagnation point. The relation between the turbulent and
laminar heat transfer coefficient is determined using figure 6-29. The
laminar surface heat transfer coefficient is related to the laminar stagna-
tion point heat transfer coefficient by figure 6-34. Finally the turbulent
heat transfer coefficient hT is calculated by the relationship

hT = (hT/hL) (hL'hSp) (hsp/ho) h o  (6.17)

where h0 is obtained from figure 6-2. The value for (h s/h o ) is determined

using equation (6.9).

6. Deflected Flaps

Design curves for maximum laminar heating on deflected flap surfaces
attached to sharp flat plates are shown in figure 6-41. That portion
of the curves that is dashed is outside the range for which the "upper
limit" theory discussed in Section III is applicable. Use of these curves
within the dashed range should be made with caution. For a positive deflec-
tion the maximum heat-transfer coefficient hF may occur anywhere on the flap;

generally, if' flow separation has occurred, li is near the point of flow re-

attachment. The heat-transfer coefficient hHL is the laminar heat transfer

coefficient calculated just ahead of the hinge line of the flap with the
assumption that no flow separation has been caused by the deflected flap.
The value of the hinge line heat-transfer coefficient NL may be evaluated

by sharp flat-plate heat-transfer methods, figures 6-23 through 6-25.

For a negative deflection, hL is an approximate heat transfer coeffi-

cient at the hinge line assuming that the expansion has already occurred.
Aft of the hinge line the heating decay follows the relation on the follow-
ing page
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h--- (I /, n  (6.18)

where n = 0.5 for laminar flow avid 0.2 for turbulent flow.

Maximum turbulent heating rates were normalized using the laminar values
for the same local boundary-layer conditions. This methodt is consistent
with the second turbulent reference method described in Section VI-B. Val-
ues are preserted in figure 6-42.

7. Surfc,e Conditions

a) Waves

Heat trad3fer design curves for a particular type of roughness, shallow
surface vaves, are shown in figures 6-43 and 6-44, in terms of a wave height
parameter, E/ 6*. The eisplacement thickness 8* may be evaluated by the
use of the displacement-thickness heating parameter hS * shown in figure
6-45 and a value for the heat-transfer coefficient h for a smooth surface.
The latter is found using figure 6-23. The derivation of the product h8*
can be found in Appendix D.

b) Leakage (Mass Removal Through an Orifice at the Surface)

Leakage effects on sharp flat plate laminar heating at all angles of
attack in terms of the distance downstream of a leak are shown on figure 6-46.
The heat-tran3fer parameter is shown in terms of a nondimensional heat-trans-
fer ratio and a nondimensional mass flow ratio, L, as defined in Section IV.

8. Control Surface Gaps

Design curves for laminar and turbulent heating at the most critical
location on a fin for representative tip-fin-elevon control-surface gaps
(figure 5-3, Section V) are shown !.n figure 6-47. This location is 900 from
the tip-fin shoulder. For the gapi rhown in figure 5-3 this is the point
of minimum fin-elevon separation. Mtximum heating rates do not occur at
this location. However, maximum temperatures do occur if the structure is
radiation cooled, because the radiation view factor is at its minimum. For
all of the gap shapes shown in figure 5-3 one design curve is applicable at
each of the two flight reference conditions. The leading edge radius of the
fin shown in this figure is equal to 1 foot. For radii different from
1 foot, corrections can be made to the heating rates using figure 6-6 for
turbulent flow and equation (6.9) for laminar flov where h is the reference

0
hcal-transfer coefficient for a radius of R = 1 foot, and R is the fin
radius in feet.

tUse of Tis method for this combination of two-dimensional bodies consid-
erably simplified the extrapolation-to-flight methods for this geometry that
are presented in Section VII.
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9. Canopy and Fin Leading Edges

Laminar and turbulent flow design curves for predicting canopy stagna-
tion line heating rates are shown in figure 6-48. The curves shown were de-
veloped using the method described in Section V-B. Heat-transfer-coefficient
ratios are shown in terms of the true sweep angle (0( +

Values for h ° are obtained from figure 6-2 and hRT from figure 6-4.

The radius of the leading edge shown is 1 foot. For radii different from
this, a correction factor can be obtained using figure 6-6 for turbulent flow or
equation (6.9) for laminar flow.

As noted in Section V, heating rates obtained using the above method
were also applied to tip-fin leading edges during the X-20 program. Figure
6-48 can be used directly for this geometry by allowing the indepehdent var-
iable,(o + X),to represent the effective sweep angle, A. .f of the fin
leading edge measured with respect to the vertical axis irmal to the free
stream velocity vector. This angle is defined by:

cos Aeff = cos Ot (Cos @SL Cos (0 + P) cos A + sin eSL si (0 +

+ sin a Cos PSL sin A (6.19)

where A is the fin leading-edge geometric sweep angle and 0SL is the location

of the stagnation line as defined by:

sin (0 + )(6.20)nSL = cos(0 + P) cos A+ tan a sin A

The remaining angles are defined in the following sketch.

S--Longtudinal axis
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VII. USE OF GROUND-FACILITY DATA IN DESIGN

Ground facilities presently being used in the design of hypersonic
flight vehicles cannot simultaneously duplicate velocities and Mach numbers
associated with re-entry. Ground-test data, however, are required to obtain
detailed aerodynamic-heating distributions on complex configurations for
which completely analytic solutions are not possible. To apply ground-test
data in actual design, it is necessary to correct for the effects of any
differences that exist between ground facility environment and flight con-
ditions. Several examples of effects that might be expected are discussed in
reference 28; a few spec.fic examples are discussed in this section.

Also included in this section is a description of methods for correcting
wind tunnel data to flight conditions. Charts are presented that provide
the required correction factors for those geometric elements which could be
investigated analytically. The purpose of these charts is to serve as a
guide in extrapolating ground-test data to flight conditions for complex
geometries. Since these charts provide a means of extrapolating wind-tunnel
data to flight conditions, they will be referred to as "extrapolation-factor
charts."

All charts presented in this section are based on the assumptions dis-
cussed in Section II and do not account for chemical sonequilibrium effects.
In addition, chemical equilibrium is assumed to exist in ground-facility test
sections both in the free stream and within the body shock wave.

A. Real-Gas Effects on Shock-Layer Properties

1. Pressures

Some effects of the differences between ground-test and flight-test
conditions on inviscid-flow shock-layer properties can be determined from
oblique-shock calculations for a two-dimensional flat plate. Real-gas effects
on sharp-flat-plate pressure coefficients are shown in figure 7-1. Pressure
coefficients in ground facilities having free-stream temperatures on the
order of 100 *F, are compared to pressure coefficients that would be obtained
at an altitude of 240,000 feet at the same Mach numbers. Viscous-inviscid

interaction and separated-flow effects are not considered in Figure 7-1.

At high angles of attack, pressure coefficients for flight are seen to
be lower than those in ground facilities at the same Mach number. This
reduction in pressure is primarily caused by the higher enthalpy echieved in
flight. At the higher enthalpies of flight real-g,,s effects increase the
density jump across shock waves which thereby tend to lie closer to the body.
Since the pressure experienced by the body is the reaction to flow deflections
caused by the shock, the smaller shock envelope occurring in flight leads to
lower pressures on the body.

Of course, for highly swept shock waves, the downstream temperature may
be relatively low, even at hypersonic speeds, and so fail to induce any
appreciable real-gas behavior. This explains the absence of any apparent
differences in pressure coefficients for angles of attack less than about 10
degrees.
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The conclusions drawn from figure 7-1 are not applicable to all geom-

tries, however. An opposite trend can occur on a trailing-edge flap deflected
into the stream, as illustrated in figure 7-2. At a 10-degree angle of attack,
flap pressure coefficients for wind-tunnel conditions are shown to agree with
those for flight conditions. When the flat plate is inclined at larger angles
of attack, however, real-gas effects become noticeable and are often opposite
of those for a flat plate. The departure from the flat-plate trend reflects
the effect of shock layer flow properties on the pressure jump at the flap.
The effective free stream for the flap is of course the flow within the plate
shock layer. Although the static pressure of the local. flow is reduced by
real-gas effects, the aforementioned increase in the local density leeds to
a corresponding increase in the local dynamic pressure. As a result, the

pressure jump at the flap is increased, causing the trends shown in figure

7-2.

The combined effect of Mach number and enthalpy differences on deflected
flaps is illustrated in figure 7-3. The curves shown are for two specific
wind tunnels and particular flight conditions, as noted. Negative flap
deflections are seen to cause lower pressure coefficients in flight than in

the wind tunnels, while positive deflections lead to higher values. Thus
it is seen that the effect of flap deflection is always larger in flight than
in the wind tunnel. Although figure 7-3 is drawn specifically for flat-
plate flap combinations, similar trends are to be expected for flaps attached
to sharp cones or delta wings.

Real-gas effects on stagnation point pressure are relatively small, as

shown in figure 7- l.

2. Streamlines

The lack of enthalpy .imulation in ground facilities has an effect on
streamline patterns on swept infinite cylinders. The differences in the

local streamline angle at each circumferential location on the surface of a
50* swept infinite cylinder are illustrated in figure 7-5 as a function of
total enthalpy ratio. The local streamline angles were calculated using
methods described in Section II.

3. Boundary Layer Properties

In flight, dissociation may occur within the boundary layer, altering the
temperature, density, and velocity profiles. A comparison of flight and
ground-facility gas-temperature profiles similar to those presented in

reference 28 are shown in figure 7-6 for a flat plate at a 20-degree angle
of attack. The profiles are shown as a function of 71, the nondimensional
distance normal to the wall. Considerable differences are seen not only in
the levels of temperature but also in the ratio of peak temperature to boun-
dary-layer-edge temperature. Part of the difference is due to the relatively
higher wall temperature in the ground facilities and part to dissociation

In the boundary layer in the flight case.
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Displacement thickness is significantly affected by the changes in the
density and velocity profiles in the boundary layer. The effect on displace-
ment thickness is shown in figure 7-7. For the conditions indicated, the
displacement thickness in the wind tunnel is approximately 50% higher than
in flight.

4. Heating Rates

The resultant effect of the changes in boundary-layer characteristics on
heat transfer shown in figures 7-6 and 7-7 can be illustrated by comparing
a normalized surface heat-transfer coefficient at ground-facility conditions
to a similar ratio at flight conditions. The resulting ratio, denoted by
and specifically defined in figure 7-8, has been calculated for several
geometries. Values of for a flat plate are shown in figure 7-8 as a
ftuction of angle of attack for two different facilities. Free-stream
temperatures in these two facilities are nearly equal but the total enthalpy
and the Mach Number are higher in the shock tunnel.

Similar information for a deflected flap is shown in figure 7-9. This
figure illustrates differences in the heat-transfer parameter for a flap
that is attached to a sharp flat plate at a 20-degree angle of attack.

Partial simulation effects on stagnation-line heat transfer for infinite-
swept cylinders are illustrated in figure 7-10 as a function of sweep angle
for two different ground facilities. Curves shown indicate that at large
sweep angles opposite trends in the heat-transfer parameter can occur in
tunnels having different energy levels and Mach numbers.

B. Extrapolation of Ground-Facility Heat-Transfer Test Data to Flight
Conditions

Calculations of the type just described have been made in order to provide
extrapolation factors that allow the correction of experimental ground-test
heat-transfer data to flight conditions. The factors presented are calculated
for the basic shapes discussed in Section II, but should serve as guides to
the cor'ection of data for more complex shapes.

The previously defined heat-transfer parameter can be nsed to correct
ground facility data to flight conditions. For example:

hLFLT = o, FL T ( WT

JhT (7.i)

hT, FLT (iTT hRT,FLT 7.1)

For several of the basic shapes it was found that the major effect of
Mach number on is due to its effect on pressure. Accordingly, a compress-
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ibility parameter A has been defined as follows:

[(P /PT 2 ' f)wT /PT2, )FLTJ (7.2)

where P is the local surface pressure, PT2 is the stagnation-point pressure

on a reference body, the subscript WT denotes ground-facility stream
conditions and the subscript FLT refers to the flight reference condition.
The subscript f indicates a sphere in laminar flow or a 600 swept cylinder
in turbulent flow. The exponent n is (by definition) 0.5 in laminar flow
and 0.8 in turbulent flow. Using A , the correction of wind tunnel data to
flight conditions is made for example as follows:

hL,FLT = ho () ( L)( (7,3)L (I° WT

Curves of A and 0 for several basic shapes are presented in this
section. For control surfaces extrapolation to flight conditions is made
with a single chart without the use of a compressibility parameter. The
basis for these charts is discussed in detail in the following sections.

1. Compressibility Parameter (A)

Compressibility-parameter charts applicable to hypersonic ground facil-
ities are presented in figures 7-11 through 7-18. Free stream temperatures
from 12COR down to the liquifaction limit (which ranges from 60 *R to 90 *R
depending on the pressure) were considered. The effects of enthalpy differ-
ences on A for the range of ground facilities indicated above is small and
therefore not shown.

2. Extrapolation Factor ( /A)

Extrapolation factors corresponding to figures 7-11 through 7-18 are
presented in figures 7-19 through 7-29. Also included in the grotp is the
extrapolation factor for the hemisphere, figure 7-25. For the hemisphere,
Ais unity and C/A = C . This is consistent with the assumption made in
Section II that the pressure distribution is constant for all conditions.

The extrapolation factors were computed for the same range of conditions
as for A . The effect of Mach number differences on C/A for the range of
conditions studied is small and therefore not shown.
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3. Correction Factors for Deflected Flaps.

The heat-transfer method employed in the analysis of deflected f.,aps is
approximate and the extrapolation procedure described in the above paragraphs
does not apply. Instead the extrapolation is made with the equation

H FLT LW

The extrapolation factor for specific wind tunnel Mach numbers is
presented in figures 7-30 and 7-31.

110



2.0 - 1 -j

ANGLE OF ATTACK,
DEGREES

Z s -"9..., " i

U 40

---H,'
u ~___- -" I-'--,-'- . -_ ----. 0

-.. -- 2 -LL
ul0- - -] -- t I---

- I DFLOW
4- -- AT FLIGHT CONDITIONS, ALT =240,000 FT

-- -- AT WIND TUNNEL CONDITIONS, To - 10001
3 P O IS VARIABLE

-1

0.02
0 5 10 1520 25

MACH NUMBER, M,,

Figure 71: REAL GAS EFFECT ON SHARP FLAT PLATE

SURFACE PRESS1UR



0.0

':3o

NL5AP EDNGEG

11 ' ' H H H !'

0
0 90i 02MAC -UMB-,--

FiueLLRA'ASEFC NFA SRAEPESR
01



00

(0 / 0

I LL l
9=9

0L L

0MLnz in 0 i
- < - a

t~-~0 cz
%Q1 CL0 - +

0- 0

0.

0I-

-J-

Il Im

n13



1.06- -r~0 AT

I :I~~Kt I10

1.04 10~

40 100
10-

TOTAL, ENT0L00 R/R
UJJ

15 4T0 104750~ T/S
0e

0e I V' 2 +
Ln 2

1w 100.7 1 T2
TOTA EN0LY /R 0

Figure ~~ 3.8 7-:RABA FE T SAGNTO ONTPESR
111



35

A * A 500

* FLIGHT CONDITION
30 VEL = 18,700 FPS TOTAL ENTHALPY

30 RAIO LOC

ALT =180,000 FT RTO WT/ FLT~

25

u)
LU N

20
LU

15
Uj

z

LU ISTREAML INE

STAGNATION

<910 120 130 140 150 60 70 80

IJJGULAR LOCATION, 0 -DEGREES

Figure 7-5: REAL GAS EFFECT ON STREAMLINE ANGLE FOR
INFINITE SWEPT CYLINDER



U- -

x U.

I-tU--"

0 0 0

00

0 LL. §4 .

'A6L



ZZ

-J 0
z 

C

I--~ X U.

"f i LL.

1* U.'

LU CIOLf
Z~- Z 4 oL&J

o Q LU
0~0

o-J 0

04 z
4 1~~<

LhS

o 0

117



1.2

0. LAMINAR REFERENCE CONDITION
VEL = 20,700 FPS
ALT = 240,000 Ft

* TURBULENT REFERENCE CONDITION
1.15 VEL =18,700 FPS

ALT = 180,000 FT

o (h FPLo) WT

1.1 L (h FLi) FLT

* ~T (h FPTART) WT
(h FPT/RT)FLT

S 1.05

ul

CAL SHOCK TUNNEL
1.00

< 0.95

AC-C TUNNEL

CAL SHOCK TUNNEL

0. 85

01 - II- I
0 10 20 30 40

ANGLE OF ATTACK, a-DE GREES

Figure 7-8 SHMAR P FLAT PLATE HEAT ING COMPAR I SON

n8



0 +i
00

3 I
I.LS 04

trl,
0~~ 0Z

-LLU4 +)

LO 
0

+ 4

'I z
'I z 2

I P

z /n I 0-z / I uZ 0
/ Z 0 C

I F U LL.

/ U tn d (ZJ z LL LU
LUT w L W

Dj U- -w

U~~~C LU Nlg 0 C4~

N /1 I !j < I I.I
Lu

/ / II
L>< ->< co4i

00

119



u

Ui (fl
U- u u-

0 ' .

0 0 Wz
Z Lu 0

zN

* ui

u.I
L4L

0w

LU>

LU

cLJ

c5
09 8

Ui -

F-~ 0 -



1.35

1.30 0.51.30FPFP/PT 2) WT

* AFPL = PFP/PT2)FLTJ

1.25 LAMINAR REFERENCE CONDITION

1.2 VEL = 20,700 FPS
* . ALT = 240,000 FT

<1.20

tA : ANGLE OF ATTACK,

400...

5 10 1 2022

1.121



1.30 ..

1.25

1.20 *-.-~-- -- ----- ANGLE OF ATTACK, -DEGREES

..................

20

1.1

CL

o 1.05 . . .

LU F

1.00 .~.

FP,T A 60 WT

09 fURBULENT ZEEEC CZONDITION

VE L =18, 700 FPS
ALT= 180,O000FT 152.

05 10 12025
WIND TUNNEL MACH NUMBER, M.,

Figure 7-12: SHARP FLAT PLATE TURBULENT COMPRESSIBILITY
PARAMETER

122



I:C

1.5..... .

1.4 -(PSC/PT2 ) WT 5
* . I ScL (PSC/PT 2 )FT

LAMINAR RFENECONDITION
1.3 VEL =20,700 FPS

* ALT = 240, 000 FT

S1.2 -

SM-ETXANGLE,,a
DEGREES

0~0

U

00.

0 5 10 15 20 25
WIND TUNNEL MACH NUMBER, moo

Figure 7-13: UNYAVVED SHARP CONE LAIMINAR COMPRESSI1BILITY
PARAMETER12



1.7 .....

1.5

(PC/PStA=10) WT
SCTL

.*TURBULENT REFERENCE CONDITION
+L VEL = 18,700OFPS

LLJ ALT= 180, 000 FT
.... .. .. .. ..~

1.1
............ .............

0.9 .................

0 

20625

MACH NUMBER,..

Fiue71:UYWDSAPCNoTRBLN 
OPESIBI T

0.9.. ..........PARAMETER ...

0.8



LU

U LAMINAR'~D"~ 0.5
*ASDLSDWTl

S.3 FLOW JD 2W
< ANGLE OF ATTACK, 09 SD/ T2) FLT

DEGREES
'10 O LAMINAR REFERENCE CONDITION

VEL 20,700 FPS
S1. 2 *:+~ -- ALT -240,000 FT

05 10 15 20 25

1.6 - )
*.TURBULLNT -_ '* A 0 W

-- - OaSDT (/
TFFOW( SDPLA -600 FLTJ

1.5 7- --- r-0 TURBULENT REFERENCE CONDITION
2 VEL =18,700 FPS

I-AT=18,00F

Lii-. L-1000F
ANGLE OF ATTACK,a C

1.4 -DEGREES I .

< i X
CL VJ '

f 
700

LU P

oU S

U 1.2 -

50-z
5

................................... .... ...............

02
00 5 10 15 2025

WIND TUNNEL MACH NUMBER, Mo

Figure 7-15: SHARP DELTA WING COMPRESSIBILITY PARAMETERS

125



1.25 $..- AK~)

1.20L 2,00P

\0.5

S1.10

080

S1.10
LI,

CL 0

O1.005

LU

SWEEP ANGLE,
A -. DEGREES

0.95

WIND TJ-EMAHNUMBER, MOO 2

Figure 7-16: SWEPT INFINITE CYLINDER LAMINAR
COMPRESSIBILITY PARAMETER

32)6



1.30

-(6 A)~

1. 25 S

85 * CYL,T PS A 10.8
0TURBULENT REFERENCE CONDITION

VEL = 18,700 FPS
ALT = 180, 000 FT

125 80

i75

S1.10

LU

CL 70

U1.05

z
Lo

'- 1.00 60-

0.950
ZSWEEP ANGLE,

A-DEGREES

0 510 15 20 25
WIND TUNNEL MACH NUMBER, Mae

Figure 7-17: SWEPT INFINITE CYLINDER TURBULENT
COMPRESS IBILITY PARAMETER

:127



'1.08 LAMI1NAR FLOW

pANGLE OF ATTACK,* DEGREES

20

~1.00

a-0

Lu

:E 0.9 r(G/PT2) WT 0.5 U -LAMINAR REFERENCE0 AJ, CONDITION
[(PG/PT2)FLTi VE L= 20,700 FPS

0 5 10 15 20 25
WIND TUJNNEL MACH NUMBER, Mo

STAGNATION \t7
L IN! E SHOCK

~ TURBULENT F.LOW-

ANEGLE OF ATTACK, a-DEGREES.7
20

<: 1.04-

7744

Lu

0 0.96 %(PG/PSL ) 10.8 *TURSULENT REFERENCE
u GT 0)W CONDITION

z L(PG/PSLA=600FL ~ VEL = 18,700 FPS
-j ALT= 180, 000 FT

0 5 10 15 20 25
WIND TUNNEL MACH NUMBER, M.,

Figure 7-A& CONTROL SURFACE GAP COMPRESSIBILITY PARAIMTERS

128



u U

-- C) - < 0
LL LLJI

Z-0-

- LLw 0

0t Lzw (Ni U

uj 0 I-J
rj U

Ln LUL0 * 7-

uit- 0<-JI

7TK..X ti
N 00 0

.1.3

0 C 0

1'dd~~M 1119~J~

'A-

129



z
u-i 0

LI-

zc< z
4LLwL u

-Q:< IT e u~
-j ui LtL Z a-LL

m~ZL CeL - UL
ZCI- coA 7 -

Lu -I-Q I--Z i0
< -C LL w. L.R C

I- V)0 L e L

S. R0 1 .L

1f 0

U-I

LL

- 0c4 1

Kee
LL -n----

_0 I > I
I.- _Cie

00

I 1'dJ 4'4)J01DVj N0I1V10dVM3X'( LV dJ)

130



zO.W 0 )Ue L

a:L LLLIZ

< <00 z

<- j< Z rLLJ Ln Z LL

LU OXLL Oi ce z
00 ce uL .

< I-
< e A. S

Z~ 11 uA A

0 0

I U.

0

u-

00

a.-

LOI

uLi

)IM Z / q I0- 01V0vIx

13



LU LLU

LU LUJ LUI
>- LL I-I U 0

~~L00 Ci oe oLL -U
40 Z ( z ZLO U >

co Ua-Z uLUC

e w + L ZOO OD

0 -1.
cc Z >

4PY V 7YCie ij Eq
4-,-, M,

_ _ _ L

_ -J

-CC,
* . 0 1.

- 0 0' c
* * 0U

- - 0 0 to
i')S ii J.I 1'o

V I--

- ~ 'I0DV N0IV10d~i1X

( ~ /1'~S,

132



aZo

7- LL e L

o - ~ eu< Z 00

L CC LLLJ~~

tn LLL

CL 0
/E -j m -ii3 U 0

*Z C/ <0 zV* I-

0 -J
_ _ _

---4 <
0 ~000 0

0. 0.

-D ce
_ U _ _ -

0 0c

LLJJ 4.-
(0-

UCLJ Li

_ ]S __d 00 CS4

1 i-- 
.

0-J" 4 M D JN li l d NX



*A - COMPRESSIBILITY PARAMETER
h hSDT - TURBULENT CENTER

LINE HEAT TRANSFERa
COEFFICIENT ON 700
SWEPT SHARP DELTA x70WING AT X =l10FT f

*hR - TURBULENT REFERENCE
RTHEAT TRANSFER

COEFFICIENT
*TURBULENT REFERENCE

CONDITION
VEL =18,700 FPS

ALT =180,000 FT

"iN GL E-PAIiAK

-j ~~ -DEGREES '-

_ c _

-- '5

-

0

00 -

0.03 0.05 0.1 0.2 0.3

TOTAL ENTHALPY RATIO, WT / 'FLT

Figure 7-24: SHARP DELTA WING TURBULENT HEATING
EXTRA POLAT ION FACTOR

134



Z 0

LUJ0
LLZ

L~j LU L O

-- < U 0 0

LU --J 0
:L'1 I 0 Zt'lI-
z W :]Jj: 0ID:<

LLi

0 0

-T N0IV1-dVCN XL

Id135



LU- 0

OiuI - La u -0t
0.. o< z z: z

>U '' LL 0 CL U.
-J ~ c 'U-0. OLI

L0 U_ LL

*UJ < u ZZ u dC40 4-C

~Z <C 0 V)

Ul- - ;. < >z

(A- 4--

Ze C -C ---

0 10 I
LLaJ

U-

o-

t z
-7 ti

1.0

-~ - - -~--~-~ CN

0 _i

T * '~I0DVJ N0IIVl0dV'dX3L imo i'isq

136



0

t

-I0

44 -4 j

T FT

7 4). -1 H L4 U 0

LUi

tun- 00

T0)T- w <00 L

7- o

CL i- CDi-

0 z
0 LL- LLL A

_j UIz

7, UiL
AtT QtL jUJ . LC

0 1AlL

-) 00 8, J

( vLj

1137

I- u eu -



U 0u

u-I _Z

<0 u V

< LjLLJ<

- ~ ~ ~ ~ L LU0 L.0.-~-

Z aZ LU a:M 0o -~ 0

- LL u -

U, \C~ 00' 'C

0l < o < -,. i-L0 o
-- LL r - - - -

0~~ 0 C ON

-C -C

0I _ ~ ~/ _ c-
lii

0 CID

-Cd

r-1----- -LJ

-C) <- <.

OV)

0~ 0(V )
<- zIDz O.L ~Vi

138



-JI

Z

LLJ

ZU < -U

-_ 1 0) 0

I-1 02-

<U L g>L.- -- J
Z. LL 0

< J L 00 17-,
Zo 0 z

- -t.- - = C

< a..L _
U, ce UZj LL

:5 9 - R %OW.1

UU 0..a

0_ 0 C---K Lu

CDA

r r.

C~0 - 0
Z..

-+ 7J1Dz NOIV1ct1

All LO139

ItIn C



U- z .0.

Su 04on)
LL ..t... ..... L.

* Ij

0j 0 0

LLL

0 IuLL

< N-Z<

-j < LOj 0 I-oe (D 0 -:-Z
Z< N Z - .

LL Lu

In



......... z5 -. ......~

U- zz

zU< -J

*L 0 0_ I

Z ....... .. U.

0 W L0

L L ... ...

... ... ... ... ... ... ... .. .. .. ..... ...

ce... LL w ...

LL ... .. ..

0 . ,*.U 1 Lo coLJo UJ <

.. .~ ...... o -

LL LO.'

LU!

0 0

('LA.

It :C) 0 Lt) C) It

!(N CN-4
.~1 .... ..

Li/H)CL
L LOJJNlV1d~X

141

IU



PAGES 14UT FIW*D AIE BLAiKC

APPENDIX A

SIMPLIFIED EQUATIONS

Simplified equations have been developed for modified Newtonian pressure
coefficients, figure 2-4, reference heat transfer coefficients, figures 6-2
and 6-4, reference Reynolds number, figures 6-7 and 6-8, and the local
reference Reynolds numbers at the location of maximum turbulent heating,-
figure 6-10 and 6-20. Heat-transfer coefficients have the units, Btu/ft-sec-*R.

The pressure coefficient equation was 6eveloped for 7 = 1.1 and does not
apply to wind tunnel conditions. All other equations for both wind-tunnel
and flight conditions were developed from numerical results using the Pr A r
method, Appendix B. The 1962 U. S. Standard Atmosphere defines the
flight conditions.

The accuracy of the equations in general is + 4% or better. Simplified
equations applicable to wind tunnels have been developed in terms of free-
stream conditions instead of the more desirable stagnation chamber conditions
because difficulty was experienced in obtaining a simple form of the equation.
Free-stream conditions, however, can be accurately and easily converted to
stagnation chamber conditions using figure Al and equation (A15).

A. Modified Newtonian Pressure Coefficient

For a ratio of specific heats equal to 1.1 the charts on figure 2-4 can be

approximated by the following equation

C 1

B. Reference Heat Transfer Coefficient

1. Laminar

The reference laminar heat-transfer coefficient h can be approximated

for wind-tunnel and flight conditions by the following equations.

()Wind Tunnel P 0.54 .1 r0.2
ho . o0.00 / _ft(Q
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(b) night

o .o5 ( .. Q. .

0.1055 P, \.5 ( v 19l6  (A3)

2. Turbulent

The reference turbulent heat-transfer coefficient, hTR can be approxi-

mated for wind-tunnel and flight conditions by the following equations.

(a) Wind Tuanel

O9..LQ / p 0.8 . 1 6 -o.114

0RT 0. PATH s . (A4)

(b) Flight

. 78(V ) .5I ( T \ -0.82

hRT 0. - 0
0^ .V .

0. i % o v u.5 AR 2 AT14 1
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Equations (A4) and (A5) are applicable only for flow conditions where tur-
bulence is expected, and where the cylinder radius is near 1 foot. If the

radius is much different from 1 foot the (I/R 0.2) term creates large errorA.

An alternate method has been developed that uses the above equationA as n base
and increases the accuracy to within ± 0.5%. This method follows:

1. Calculate hRT with R = 1 foot using equation A4 or A5.

2. Calculate a reference Reynolds number, RR using the method des-

cribed in C. below.

3. Correct hRT to the desired radius by using figure 6-6 of Section VI.

C. Reference Reynolds Number (R)

The reference Reynolds number, R R, is approximated for wind tunnel and

flight conditions by the following equations:

(a) Wind Tunnel

O8( i A 0937 -0.679
RR  2. 65 x I M. T R (A6)

(b) Flight

X. < 13,000 FPS

~8 )(P V \1.1436(/ T -1.12
R R01 i00

V, ; 13,000 FFS

1.02 1.232 (m/PA./ )-o.oW -1.0

R xlO/R 128 k ) ( (H

(A8)
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. Reference Reynolds Number at Location of Mxium Turbulent Heating (RrMAX

The significance of the local reference Reynolds number at the location cor-
responding to maximum turbulent heating on a hemisphere and unswept cylinder
is that it is unique ani can be defined in terms of free stream velocity and
altitude. The approximate equations for R for both fligit and wind tunnel

are accurate to + 15%. At first this appears as a poor approximation, but
R is only required to determine the heat transfer ratio hMAX and the

h SP

location of maximum turbulent heating, eMAX . The ratio h is not sensitive
hsp

to RrMAX For example, in the range where turbulent flow can be expected, a

10% change in R vill result in a change in the ratio hMAX. The

rMAX
SP

location of maximum turbulent heating, MAX' is for practical design purposes

independent of AI

1. Hemisphere

Approximate equations for the local reference Reynolds number, RrMAX for

a hemisphere have an accuracy of + 15%. These equations are:

(a) Wind Tunnel

3 1 (. io8 (e'r4 o.287 (Ag)

(b) Flight

V. < 13,000 FPB

0,91P X 0 1 0.7186/,. \-795 AO

,7T,

RrMAX =O9x10 ATM t 1 0 0 .,/ IT )\O7R(A0

V. at 13,000 FPS
1.02 1.232 (/PATM)OOI0 -1.0

B -. 0 A107( ) Teo ( ) RR 1.03 PPT 107 4

(All)
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2. Unswept Infinite Cylinder

The epproximate equations for the locel reference Reynolds number,

R , for an unswept cylinder have an aczracy of t 15%. These equations are%
rM X

(1) Wind Tunnel

/3 )0-97 M 0.278

T 0.659 2 (A12)

(2) Flight

V.< 13,000 FM

.0 048

" 1.70 x I 0 V PATM) T 0 . 0.97

(A13)

1. ' 13,000 FPH

1.59 X 10 ( ') o77 0.97 (A14)

3. Conversion of Free-Stream Conditions to Stagnation Chamber Conditions

The free stream conditions PO and T. are generally difficult to measure
in b wind tunnel whereas stagnation chamber conditions can be obtained Vith
relative ease. The free stream temperature, Tg., can be related to stagnation
point enthalpy through the energy equation and becomes

T - (AlS)
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where

CP 0.24 BTU/lb M R

Equation (Al5) applies if the wind tunnel free stream flow has reached
chemical equilibrium. The stagnation point pressure can be related to the
free-stream pressure by figure Al.

Environmental limitations of approximate expressions for wind tunnel and
flight conditions are shown in table Al.
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APrENDIX B*

LAMINAR AND TURIULENT PI' r HEAT TRANSFER METHOD

The Pr r method used for theoretical predi'tinns throughout this
report was developed by Richard A. flanks in the course of the X-20 program.
The method is based on the integral form of the boundary layer momentum
equation. This equation is transformed into an equivalent incompressible
form that is then solved to yield a generalized equation that includes
the usual boundary layer thickness and form factors as undetermined func-
tion. For laminar flow these functions were evaluated by equating the
generalized equation to exact numerical solutions of the lifferential
equations for self-similar boundary layers. Two apparently universal
boundary layer functions we'e evaluated that allow a general heat transfer
equation to be written that sgrees with essentially all of the exact
similarity solutions to within about 3 percent, including the effects of
fluid property variations, finite streamwise and crossflow predsure
gradientw, and streamline divergence. The two functions aret

1. a reference value of the density-viscosity product Pr Mr
that depends only on the density-viscosity products evaluated
at the wall, edge, and stagnation enthalples, and

2. a boundary layer profile parameter, F , that depends only on
the density evaluated at a linear combination cf the wall, edge,
nid stagnation enthalples.

No analytic derivations for these functions have been found, and all results
in this report were calculated with the aid of curves given in this appen-
dix. Recently, however, simple expressions have been found that agree
closely with the plotted curves.

The extension to turbulent fl is was guided by the laminar results,
physical considerations, and comparisons with experimental results. The
functions Pr r and r are retained in the turbulent flow method, And
are equal to the laminar values. However, the expressions used to calcu-
late the heatin are of course sumewhat different, and so the effects of
Pr Af and on the heating rate are also somewhat different. The

general form of the basic momentum integral equation allows turbulentflow heat transfer dita from different sources to be compared on a consos-
tent ahd s.'stematic basis. During the X-20 program extensive comparisons
to experimental data were made in which no data were consciously ignored.
The method deecrlbed here reflects those comparisons. Although the
derivation given is restricted to the vicinity of a plane of symmetry,
the resulting expressions have been applied to Infinite cylinder distri-
butions with good results.

The following discussion describes the method as it is now programmed
for digital computers and an it was used in the preparation of the present
report. Some modifications of the method have been made under NASA contract

*This appendix As based on Appendix B of reference 16.
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NABS-11321 which are not Included in the present c.iculations. Theas
modifications are primarily for flow conditions other than those of the
data discussed in this report, and do not lead to appreciable numerical
differences here. Further information regarding the later modifioations
may be obtained from reference 29. The following description of tho
derivation and application of the method i in six parts:

1. Derivationi of a general form of the boundary layer momentum
integral equation.

S. Trsnsformation of the Integral equation to an equivalent
incompressible form.

3. Correlation of exact laminar solutions.

4. Evaluation of turbulent boundary layer parameters.

5. Combined laminar and turbulent method.

6. Summary of method.

Derivation of the Momentum Integral Equation

A derivation of the boundary layer momentum integral equation Ia a
general curvilinear coordinate system will now be given. The derivation
Is restrictod to the vicinity of a plane of symmetry as well as by the
usual boundary layer assumptions. A control volume is defined as shown
in the sketch belowi

%1IW

h
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The length elements in the x and z directions are unity. However, the

length element for y is determined by the function g = g (x), which
is considered arbitrary (subject to the restriction that dg/dx remains

finite). Later it will be seen that In some cases the most convenient

choice of C is determined by the shape of the body under consideration.
The height of the control volume, h, Is constant end must be larger
than the boundary layer thickness but is otherwise arbitrary. The surface
y = 0 coincides with the straight streamline| hence v = 0 when y = 0.
However, v is not necessarily zero nor even constant on any other surface
of constant y.

Mass conservation.- The mass entering the control volume through the
surface x - xl is given by:

Ay p ud]
0 ]x I

The mass leaving at x = xl+ a x is given by a similar expression.
&xpanding in a Taylor series, and retaining only the first order term
yields: A

Ay gf pud

h h
= p d + AyAx p u d (Bl)

0 eX0

so that the mass remaining within the control volume Is:

Ay Ax pu d] (B2)ax 0s '

Applying this technique over all six surfaces of the control volume, and

requiring steady flow, yields: (B3)

AxayL h p u d + dxAy ]v d + gAxAy[ 0=

Since w(O) = 0 there results in the limit as Ax and Ay approach zero:

S[hp ud l+ [f h pud +.±[a h pvd + POWO=0
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x-momentum.- In a similar manner the following expression for x-momen-
tun is obtained:[ .Sh 2 ] h[j z] J

(1?'d p u v dzI + g pUwPx gf y fJP W
0z=O

[T I h -L gpJ + hpx (B5)z=O ex O

Combining equation (B5) with the previous result for mass conservation,
and noting that "(h) 0:

J ±[f2P[d]
p 0 L[ p u d] + _L pv(u - U) dz

=-g (B6)=-gT w  - hg a (x6

Introducing the usual boundary layer thickness parameters

h
momentum thickness =f - u 2  dz (B7)

displacement thickness (
6*= ( e u1 - ,

crouuflow momentum thickness ratio

E - d,j~ " ev e

leads to the following expression for Ax and Ay approaching -erot

- u ?@ [ Ut 2 +- + 1- + +

polio%2  1elx p0 e x

(B 8)
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Definition of g(x).- Since the definition of g ts still arbitrary, It
seems desirable to make a definition that will simplify equation (BO) if

possible. It might appear that If g were selected such that v e 0
(i.e., streamline coordinates) the last term would be made zero also. Such
is not necessarily the case however, since ve is a divisor in the
definition of E . It will be seen that in the limit for small y, the
product

Iv

sy

becomes

ph (V dz
0 Pe -us/

An additional condition, pv. / ly a C does cause this term to go to zero.
An examination of the complete boundary layer differential equation shows
that Iv / ly a 0 occurs only If

Wa/y - 0

and
02 p/Ay 2 . 0

These conditions are met only If the body is: 1) two-dimensional, or 2)
axisymmetric and at zero angle of attack. In both cases the surfaces y -
constant follow streamlines If g c r , the local body radius. In the
came of an axisymmetric body at angle of attack the streamlines will not
folrow surfaces of constant y however. The additional divrgence Is
denoted by f, defined by

I if _ IVe

f Ox Ueg ly

where v is measured with respect to the y, x coordinate system. In torms
of r anl f, equation (B8) becomes

Sa -0 + Ie (2 + + 1Pe r E0 /1 )

p 2 Ox LueOx Pe p Ox r ox W1f *I
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Physically, the term r may al.o be thought of as stroamline divergence dclp
to body shape while the term f represents streamline divergence due to
transverse pressure gradients. The quantities r and f are related by

rf S A (Ba)

wher,9 a to the total distance between any two streamlines. In the absence
of transverse pressure gradients the final term in' equiatlon(B10) will be zero.

Transformation of the Momentum Integral Equation

In order to obtain it more useful form of the momentum eluation (Blo) a
modified Btewartson transformation suggested by lager (ref. 30) Is adopted in
which: fX P rr

Y -Y 
z

Z =F f -P- diZ

U u/F

V= v/F

where X. YJ Z, U and V are the transformed coordinates and velccitiea. The
stagnation values of density and viscosity, pO and to, are required to be
constant, and F is an unspecified function of x only, With these definitionsa
the momentum thickness, skin friction at the wall, and heat transfer rate in
the transformed coordinate system are respectively:

5 U-fj - P
T W ( LO (j ))dm~ (l

4W (eu MIo')

The transaformed stomentum Integral equation becomes

= ~ F 0  A (U F%1-
,| (Po .) Po*--~ f U t--I P-

Pe OU2  d.K p0  p P F OX P 0 ax

1 dr I (if]

+ -- E f_-- (B12)
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In which A 2 + (A and K are unchanged by the transformation).

Solution of the transformed Integral equation.- It in assumed that

the local friction coefficient in the transformed plane is given by

PO m P (B13)poU0
2  (PoU: 8 /0

Equation (B13) is substituted into equation %B12) yielding an equation

of the form:

-O + [(A)09 = 0 Q(x) (lade R (B13a)

which becomes a linear first order equation with the change of vnriablei

m+1

M (Bl3b)

The solution obtained is:

1/r (B14)

Cm UeA -I rf

C. .M+ , F m

In the untranmforned physical plane, (B14) Is:

S-...m A + m-_.._

° ° (1

Tw = Cm 140 M r A r uea rf g 1/M

l-.._ 1-_M A(m+l)- ( - E M+ I lr+

mmFrof Prir) dxJ

Neither p nor F appear in this equation, and their definitions are
therefore Immaterial.

157



Remembering that C , M, and $10 are assumed to be independent of x,

and defining m I.

Cx C M m+ Mn M+i
W1 (P16)

n+

G Pr Mr Ue r

(i5) can then be reduced to:

1-rn I

Tw  c x  [+M r P r u] M+1
-- = C (B'7)

1 f ~' A-1)-- m x

Noting that the quantity within the brackets in the denominator on the

right hand side has the units of length, we can deAPn
-1 )rn 7 f 1 Gf -1)M BB

where the subscript 1 indicates evaluation at the current point of
Interest X, .All effects due to flow three-dimensionallty, streamwise and
transverse pressure gradients, and upstream history are now included in

S0q , If Pr Ar is assumed to be independent of these phenomena (the
validity ox this assumption will be demonstrated subsequently). Thus Seq
can be considered to be "the equivalent flat plate distance' for skin
friction at the point of interest x1.

With (B18), (B17) can be rewritten:

w -Cx Ao Pr Or ue Seggl (g it)

ue Soq L O2 J
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which is identical in form to the corresponding expression for low speed

flat plate flow, m

eRee R~ l (1120)
ue x

One approach to the solution of a boundary layer integral equation, such
as developed in the preceding analysis, involves the assumption and inte-
gration of boundary layer profiles to obtain the required boundary layer
thickness parameters (see, for instance, Reckwith and Gallagher (ref. 31)).
In that approach it is necessary to derive the energy equation corres-
ponding to (1115). An alternative method is used here, wherein a general
form of Reynolds analogy is assumed

14= aww (0121)law - Tw _ ue

It i of course wel1 known that the Reynolds analogy factor 4 has the value
unity for constant property, unity Prandtl number, flat plate flow, It
will be subsequently demonstrated that, in the presence of more realistic
gas properties,J is for laminar flat plate flown still a function only of
the Prandtl number and (in dissociated flow) the Lewis number. For conve-
nience denoting these flat plate flow functional relationships by FPr
and / respectively, (B21) Ia rewritten

Fpr 8 uc

where the factcr S incorporates all effects of flow three-dimensionality,
streawise and transverse pressure gradients, and upstream history on
Reynolds analogy.

Combining (1317), (018), and (B22),

1+n 1

FPr

Since Seq includes all effects of flow history and pressure gradient on
skin friction, and S performs a similar function on Reynolds analogy,
the definition of an equivalent distance for heat transfer suggests itself.
Accordingly, we define +

m+ 1
xeq Seq
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- u(A -1)m+l

Xeq rm+dx (B24)

X1

leading to a general expression for heat transfer of the form

[ 1 m /(m+l)
C r r r Ue X(2'< -A ( B26)

Fpr e! No

Means of evaluating the various parameters appearing in (B25)are presented
in the following sections.
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Evaluation of Laminar Boundary Layer Parameters

Exact solutions of the similarity form of the laminar boundary layer
equations were used to evaluate the parameters appearing in equation (B25).
This was done in an, orderly manner, beginning with two-dimensional constant-
property constant-pressure flow, and progressing to the most complex condi-
tions for which exact solutions are available. The evaluations determined
from the simpler casos were retained or amplified in'analyzing the more
complex cases. Thus, the constant C for laminar flow is always taken to
be 0.33206, the value given by Howarth in reference 32 for incompressible
flat plate flow. The effects of pressure gradients, wall cooling, etc.,
are accounted for in other terms of equation (B25).

In some cases alternative definitions were possible. For example,
the authors of references 35 and 38 incorporated (in effect) pressure
gradients into the term PrIr appearing in equation (IO), while in
the present formulation such effects appear In the equivalent distance,
Xeq. The latter definition is to be preferred as the former cannot be
made consistent with the results of reference 33, which presents solutions
for various pressure gradients, but with p$ held constant. The defini-
tions used here were adopted only after an examination of several possible
alternatives. The criteria for selection were consistency httwcen the
results of the various special cases, consistency with physical considera-
tions, accuracy, simplicity, and freedom from Interdependencies.

General considerations.- As a matter of phyasc!l consistency, it is
required that If the fluid properties p and 1 are constant through the
boundary layer, the reference values of the fluid properties be equal to
those constant values. This principle is extended to constant products
as well, i.e., it is required that when in a gPlen numerical calculation,
e.g., references 33 and 34, the product of density and viscosity is held
constant at sor base value (usually the wall) the reference density
viscosity product Pr r must also he equal to that base value. The
functions Fpr and are equal to 1.0 when a and Le are equal to 1.0, and
/ a 1.0 for ideal gases. Also, In flat plate flow the equivalent distance
is equal to the physical distance from the leading edge.

Two-Dimensional Flat Plate Flow

The special case of two-dimnsional flat plote flow Is examined first
since the effect of fluid property variations within the boundary layer
can bu examined without the additional complexity of streamwise variations.
For the case of constant fluid properties the snoitions of Howarth show
that m = I and Cx = .332, so that equation (B25) becomes
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P3r .Ll (B26)

Fpru 1/2 (B27)

where (D27) follown from the principles stated under "Oeneral Considerations".
For this special case the only undetermined quantity is the Reynolds
analogy factors X and Fpr . Note that the reference stagnation viscosity,

jUO , no longer a;,pears.

Reynolds analogy facters.- The Prandtl niumber effect on Reynolds
analogy in flat plate flow, usually given as Fpr = O 2/3 for constant 0
is slightly better represented by u .645 as nay be seen in figure (BI).
Following the practice of reference 35, for example, the Prandtl number
effect is correlated in tera. of T, the partial Prandtl number for
translation, rotation, and vibration.

For variable Prandtl number there is an uncertainty as to which value
should be used in correlating its effect. All solutions in the literature
for which the Prandtl nimber is variable also involve variable po,
so that P A i! not nocossarily equal to po/Ae . For such cases it
was found that the Prandtl number should be evaluated at ths enthalpy and
prssaure corresponding to Pr;'- . This value of the Prandtl number Is
hereafter denoted as or . he adequacy of this evaluation Is demonstrated
by the agreemeat of the three sets of calrulations presented in figure (BI),
which also servis to establish the lack of dependency of FPr on anything
other than Ur.

With the Prandtl number effect correlated in terms of the partial
Prandtl number the effect of energy transport by diffusion must be treated
separately. This effect was first calculated by the outhors of reference 35,
wherein the expression

q Le_ _ 52 JD ' (J 28)
- = I(e - )L1
4 LeEl

was found to agree well with exact solutions for Le w 1.4, in ntagLatlon
point flow. In high Mach number flows, however, equation (B28) may predict

a significant diffusion effect under conditions for which no dissociation
actually exists, since the temperatures within the boundary layer are always
well below the stagnation value. To avoid this Jieonmistency, equation (B28)
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was modified to operate on the local static enthalpy, rather than the
stagnation value. The modified ex'aresplon,

1- , + (Le .52 - fe (B29)
ie

of course reduces to (B28) for stagnation point flow, Equation (B29)
was used for all calculations in the present report, although later
publications, reference 37, for example, indicate thet Pquation (B29)
overestimates the heating rate by 5 to 10% in some cases.

Reference density-viscosity product.- The reference density-viscosity
product was first evaluated for zero Mach number with various degreen of
wall cooling using the solutions of references 36, 38, and 39, and some
unpublished solutions by Halvorson and Cassmever of The Boeing Conpany,
as shown :in figure B2.

For edge Mach numbers greater than zero it was found that the reference
density-viscosity product Pr Ar can be represented as a function only
of PC 1U , Pr 1w and ,pS, j. S , , where the latter is the density-viscos-
ity prodtuct evaluated at stagnation enthalpy but the local pressure. Using
the solutions of references 36 and 38 an effective edge value of p A was
determined that alicis the use of figure B2 for Mach numbers other than
zero. The effective p praduct (pec $ ff was found to be a function
of pqt , 9 , and p0 '0 , only. The curve that defines this relation is
given In figure B3 (a). All of the solutions discussed so far are well
represented by the faired curve of figure B2 when plotted against Peo eff

Ps mpy be seen in figure B3 (b).

.Subsequent investigations described below have shown that Pr IAr
is independent of pressure grndients. The values of Pr Or obtained from
figures B2 and B3 were used for all calculations appearing in this report.*

Pressure Gradient Effects - Similar Flows

Referring to equation (R25), and recalling the earlier comment that
Cx, ,'Fpr and a are by definition taken as the flat plate values it is
seen that all pretasure gradient effects are reflected in Pr Ar and xeq
These effects can be evaluated for similar flows from the solution published
(for example) in references 33 and 38, which consider streamaise pressure
gradients, and references 34 and 37 whIch consider cross-flow pressure
gradients.

*Recently some simple expressions have beler found which approximate

curves of figures B2 and B4 closely. The expressions are given in the
final section of this appeiidix.
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Beginning with the simplest possible case; two-divensionql flow of

an ideal gas with Prandtl number of one, and the viscosity proportional to

temperature, the equivalent distance effects can be isolated. Since PM

Is always equal to Pe Ae, Pr Ar In also equal to p. pe . (Note

that p p Is not necessarily constant through the flow field, but varies

with the local boundary layer edge pressure.) With these values incor-

porated, the equivalent distance expression (B24), is reduced to

f (P Us) ue 2 (A-l) dx

Xeq (p ue) ue2(Al)] x l f(30)

In equation (B30 the term (P uA)reflects thS(xt1,cts of upstream variations

in Pe J u. , while the terms 82 and ue account for local pressure

gradient effects on the boundary layer profiles.

Equation (30) can be evaluated If S and A are known, and although

lMborious, they could be determined from the numerical solutions. For-

tunately, specific evaluation of these parameters has proven to be unnec-

essary, since a convenient simple correlation has been found for the

combined effect of 8 and ti A -1 , which may be written ad

82 f (P us) (e2A-1) dX i P ua dx (B31)

0 [(P ue) u0 2(A - 1)] I + 0 (PU 0 )x 1

where 0 Is the dimnsionless pressure gradient parameter similar to that

defined by the authors of reference 33.* The profile parameter r is a

single valued function of a mean boundary layer density, pm , calculated

by

21'0 (B32)
P6  (Tw + TO )

lubsequent Investigations of exact solutions for nonunity Prandtl number r*_ad

noalinear viscosity laws have shown that expressions of the form of (931)

are valid for these more complex conditions as well, either for two-dinen-

sional flows with streammise pressure gradients, or for yawed cylinder flow.

The expressions finally developed ares

*Tho definitioA of p is given in equation (1411.
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(Pr PO - (Pr, r)j=o (B3:3)

and a generalization of (B31)

xq I X1 G 1 2 EI x (B34)
eq f ]x

where JL is given by

L r8 (15

and

where the subscripts "B" and "c" are Introduced to distinguish between
streamwise and crossflow pressure gradients; it should be noted that JL

Is concerned only with streamwlse pressure gradient effects and EL only
with crossflow effects; also note that JL = 1.0 for = 0 and EL
-1.0 for Pc = O.

The function r is given for either streamwise or cossflow pressure
gradients by the curve of figure B4 as a single-valued function of a

parameter defined by;

PS (Z T)mEm (B37)
Es Pm.s (Z T)s

for streamwise pressure gradients, and as

=_o =e = (Z T)mo (B38)
Pm,o (Z T)e SL

for orosuflow pressure gradients. The subscript "a" denotes evaluation
at a mean boundary layer enthalpy, defined by:

=l is+W (B39)I~n's 2 i w
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and
I nap e1m,o 2 2 (i, + 1w) + .206 (is - ie,SL) or (B40)

The second eiuality in equations (B37) and (B38) follows from the condition
of constant pressure scross the boundary layer (all evaluations are made

at the loial pressure). Again, (B37) through (940) are the generalIzationg
of equation (131) and (832) .

While figure B4 and equatinns (1134-40) were dovelopod solely on the
basis of providing the best fit to the available data within the framework

of the form of equation (B31) the obvious similarity of (B39-40)to the
various reference enthalpies appearing In the literature provides some

analytical justification for these correlations.

The streamwise pressure gradient parameter I is herein defined as:

I d on x)

With a minor modification to the definition of X.q,L (to be discuawed

in the next section), it is easily shown that this definition of Pa

is identical to the corresponding parameter of reference 37. In the present
report PC is evaluated only for yawed cylinder flou, in which case P c =
1.0, also consistent with the results of reference 17. Except as otherwise
noted in the text, a valsie of unity was used for all leading edge theory

calculations, while a value of zero (corresponding to k = 1.0) was assumed
for lower surface theory calculations.

The exponent 0 In equations ( 335) and (1136) Is given by

.09 /_'F ) (042)\Pw Pw /

which is also based on fits to the solutions of references 33, 34, 35, and
37. The accuracy obtained through the use of equations (833) through
(1142) is illustrated in figure B5 wherein solutions from references 33

and 37 are presented in terms of t and . As may be seen by comparing
the spread of the individual numerical solutions with the indicated error

band, the present method provides excellent agroement with all solutions.
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Application to Nonsimilar Flow

The equations presented Ia this section have all been developed from

similarity solutions to the boundary layer equations, and so are *trictly

applicable only In those situations for which similarity applies. However,
based on discussions gives in references 37 and 38, It is to be expected
that the same correlations could provide good estimates for nonsimilar

flow conditions as well, provided their streamwise variations are taken
into account. This has been done by Incorporating the factor JL
appearing in equation (B35) into the lutegrand. The expression for
equivalent distance then becomest:

2 1 L
= ._12 Gf JLdx

x (of2 2L)x

It Is easily soon that for similar flows, wherein JL is constant, B43)
redacos to (B34). Evaluated for two-dimensional flows (f 8 1.0) the
use of (B43) In (541) results in a definition of ft Identical to that of
reference 37, while the use of (334) In (341) provides a value of A 0
that corresponds to the "local similarity" approach of reference 38,

wherein the upstream history of profile effects are neglected (that Is,
the boundary layer profiles are assumed to adjust instantaneously to the
local pressure gradient).

Equation (343) assumes the crossflow parameter EL to bo independent
of streawlse pressure gradient effects; however, the presence of the Ps

crossflow terms in the resulting definition of 0 a provide a coupling between
the transverse and streanwise pressure gradient effoots, as mighibe

expected. The overall effect predicted Is In qualitative agreement with
the results of reference 40; tnfortunately, the difficulty of relating

the correlating parameters of that reference to the present system has

so far prevented quantitative oowparlsons.

Finally, for the general case of curved streamlines (i.e., away from

a 10ae of symmetry), it Is assomed that the foregoing analysis and correla-
tkcni are valid If the distance parameter x Js taken to be measured along
the .4reumllne. As previously noted, the 4eflnltion of p . for the general

case io obscure, and all calculations herein c"hor than leading edge Valvos,
have been made on the basis of P. - O (L= 1), which corresponds to the
"ero cronsflow" method of reference 41 as far as three-dimensional efflots
are concerned. All present calculations do retain the effect of strtamwlse
pressure gradients, however.

tete that by these definition* * and JL are interrelated, so
that an Iterative method Is required for their evaluation, as also stated

in referesce 37.
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Turbulent Flow

Thero are no exact oalculatioas of turbulent boundary layer flow, so
that a development of the type Just given is not possible. However, equa-
ties (B25) still serves to identify the important parameters, and provides
a basis fot consistently comparing experimental results. It particular,
the transl.ormatlon introduced with equations (510) and (11) allows an
empirical incompressible skin friction law to be used In place of the
(nonexistent) exact flow solutions. As stated In the section "Transformation
of the momentum integral equation," the transformation used is based on
the work of laer, reference 30. A discussion of the reasoning behind
the transformation itself is given In his paper. The present method departs
from th. suggestions of lagor, however, in the evaluation of the various
boundary layer parameters. Mr. Ranks was guided in the evaluations by the
values of the corresponding laminar parameters, an approach which was
suggested by the very successful results of the first such attempt, wherein
the laminar values of p. 1r were iued without modification for turbulent
flow. The resulting predictions were in excellent agreement with recently
obtained free flight data, some of which (notably, that from the X-15
program) rre not in agroemout with any of the well known methods.

Mr. Hanks was also guided by the requirements of a design project,
and so was constrained to make conservative approximations where approxi-
mations were required. Thus, the effects of streawise and trzv*:e"s
pressure geadlents on the turbulent bou-d-ry layer poillos wore includd in
the calculations, even though it wao known that the effects were smAll and
could onl' be crudely estlatrod. The available evidence indicated that
such effects would incaase heat transfer, si that neglecting them would
be tnoonaservat iva,

Innmprosalble flow friction law.- In order to determine C, and m a
formula for skin friction in Incompressible turbulent flow is requirod,
After a survey of proposed incomprwssible friction formulas a mirr ridifica-
tion of the bohultr-Grunow (ref. 42) equation was selected;

- 370 2 (844)
clog: 0 ( Re + 30000)~8

The modification that was made is the addition of the constant (3000) to
the Reynolds number that appears in the denominator. This modiflcation was
made because Mr. Hanks felt that the high values of Cf predicted by ;he
unmodified equation at Reynolds number below 104 were not realistic ix
view of the well supported predlotion of stability theory that the inc om-
prepsible laAnar boundary layer is stable at Reynolds less than about
60,000.
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The modified and unmodified expressions are shown in figure B6,
together with some other proposed methods. As shown, there is little
difference between the various methods, except that the Blasius equation

falls low at high values of Reynolds number. Equation (B44)wa. originally
selected because of its slight conservatism, although any other expression
could have been used.

The form of equation (I44) does not lead itself to calculations in
the framework of equation (323) due to the variation of TA with Reynolds
number. However, comparisons have been made that show that m=4 is an
adequate approximation for evaluatinr geometric effects. For example, if a
Is evaluated at particular values of Reynolds number using equation (44)
the following comparisons are obtained:

1

Re d (In Cf) cone hcylinder

d (On Ree) flat plate cylinder, m=4

105 3.45 1.20 .99

4.2x10 4.0 1.17 1.00

106 4.34 1.16 1.00

106 6.12 1.11 1.01

Thus the effect of variations in m is seen to be small. Accordingly,
m=4.0 has been selected for the calculation of geometric effects (e.g.,
hcone/hflat plate) used herein. However, for actual calculations of C
equation (144) was used as there can be considerable error in m a constant
approximationu for absolute values of Cf. An example of such a friction
law Is the Blasius method, for which a a 4, As shown In figure B6 the
Blasius equation falls well below the other methods at high Reynolds
numbers.

Densjty-VLcoslty product; Reynolds Analogy Factor.- As already noted
the reference density-viscosity product for turbulent flow is taken to be
the laminar valuo. This basic Identity was suggested by the fact that PrAr
appearo only in connection with the laminar thear terms of the turbulent
boundary layer equations.* It is also assumed the effects of Prandtl
number and Lewis number on turbulent flat plate heat transfer are also
identical to the laminar values. The use of the laminar flow Prandtl

number effect is common practice. The Use of the laminar flow Lewis number

effect is thought to be a conservative upper limit.

*See, for example, equation 13 in reference 30.
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1eference stagnation viscosity.- Since the reference stagnation vis-
cosity lbo does not appear in the laminar equations, no Information regar-
ding its 6valuation can be obtained by examining the laminar solutions.
The reference stagnation viscosity is assumed by Mager (ref. 30) to be
the viscosity evaluated at stagnation conditions. For real gases with
the viscosity dependent on the pressure it seems more realistic to consider
the local flow composition rathor than the composition corresponding to
stagnation conditions. Accordingly 140  is calculated with the Sutherland
law and Ar using the value of specific heat corresponding to Pr Ar
The result is:

0 Mr (/ 3/2 [ Tr + 200 (Bk',r Tr ) ,o +
Pressure gradient effects.- As in the laminar case, pressure gradient

effects appear primarily in the equivalent distance, which (for m = 4) to
given byi

x /4i /4 (A-1) dx

X .SS Cxl _5T (B40)xeq. T 6 4 I oX
o / TU /4 (AX-1

It is assumed that there exists an analog to the laninar correlation
(equatlon(1D43)) of the forsi

I5/4 ET

X TU T ltJdX (B347)
TT

0 I GT f , X1

It is to be expected that:

OT 1 1 1/ 6 << JL" 1) 1/2
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which expresses the well known fact that pressure gradient effects on
turbulent heat transfer are much smaller than those in laminar flow. After
an examination of available experimental data the value

JT - 1
JL.48 (348)

J- 1

was selected. By analogy to equation (B35) it is assumed that

Ei+ .48 rsV ]U raJO (Bk

where re and 00 are the previously described laminar values. The rmall
exponent iY Is assumed equal to the laminar valise (eq. (B42) ) although
its ultimate effect on the predicted heating rate is only about 0.3% for
Ps - 1.0.

Similarly, the behavior of N in turbulent flow can be described only
qualitatively, and most published analyses neglect Its effect. However,
its effect is to increase heating rates, and was therefore included in
the present method. As In the streamwise pressure graditnt ca*4, the
values actually used were based on modifications of the correspunding
laminar correlations. Unlike the streamwise parameter JL however, El,
Is strongly influenced by Mach number, as evidenced in equatias (B38)
and (D4O), so that a dual modification is Indicated.

Considering first the ctue for zero Mach number flow, it *1 seen
from the definitions of (B7) that the upper limit on i is 6 /8 unless
the transverse velocity component v within the boundary layer exceeds
the eiternal value. Laninar solutions (ref. 34) show that these velocity
overshoots do not occur for cold wall zero Mach number flow, hence a
correction factor of the following form is suggestedt

ET,0- 1 [-Ke +CT 30
ETO-L [~+c](B50)

The precise value of the constant C in this expression cannot be calcu-
lated, of course. ?or the previously mentioned upper limit case, C of
course is equal to -1; however, in the interests of conservatism, a value
of C n +I was selected to represent an upper limit, Consistent with
equations (B48) and (B40), then:
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-o.77 B51)
EL, 0-

In equations (B51)L, 0 i
s Just EL evaluated for Mach number equal to zero.

For Mach number zero equation (B40) reduces to

1

r, , 0 2 (ie, SL +

since

(i- t 0  0

at zero Mach number.

The effect of Mach number on ETwas determined from observation of
empirical trends in turbulent yawed cylinder stagnation line heat transfer
data, as

An equivalent form that Is more convenient for computer applications ham

Xeq, TeL (T

Xeq, T, 0, L, 0

where, in general tX G T

T _.T JT f5/4 ET, 0d

1~ ~ 11 TJf TOx1

Xeq'TO 0 T ' 0 [O 5/ TJT "_ ET,0]X

X1 GL JL f2 El OIX (B53)
_ 1 fol O L" ' (d3

Xq, L, 0 f L [ 2-~~LJL 
(3"L

I fxi l .JL f 2 EI,dx

Xeq, L = JL Jl2 E l I
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It is easily demonstrated that for Infinite yawed cylinder stagnation
line flow, (53) is exactly equivalent to (352). For other types of flow
(352) and (353) are not exactly equlvalent. Rowever, since (952) is
based on yawed cylinder data, (02) and (0153) are equally valid assumptions,
and (B53) has boon found to be more convenient. In any case, the final
effect an the predicted beating rate is small.

Combined Laminar - Turbulent Method

A comparison of the equlvlent distance expressions for laminar and
turbulent boundary layers shows that in general the two values are not
equal, so that the Reynolds number based on the equivalent distance will
depend on the boundary layer state. This inconsistency can be avoided by
employing the following definition of a reference heynolds number.

R  r 1r  x eq.L xeqL,0 (1B54)rFx2 Po2  XL

where 1

Fx  [;:L _mTl mT 4  B6

When terms R and F are used in equation (625) there results
r x

iaw iw 2 Fpr x eq,Lo r (f,1r

where Cf r  Is the friction coefficient evaluated for the reference

Reynolds number. The formulas used in the present report are:

, 064 (B57)Cfr, L  Rf 1. /2

r

and

c =~, .370 2.i4(1358)

T 0 0 (Rr + 3000)]2584
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Note that in equation 056) only Cf .r depends on the boundary layer state.
As a result, a simple relationship fetween laminar and turbulent flow can
be obtained that is dependent upon the reference Reynolds number only.

This relat~inship, obtained by combining equations (B56), 0B57) and
(B58), follows

HL r .is5 ) °'

HT .332 [ logi 0  (Rr + 3000)]2.584 059)

It is easily shown that the laminar form of equation 056) reduces
identically to any of the special cases previou:4ly given. For example,
considering only the various equivalent distance terms, and employing the
general power law form for Cf, r corresponding to equation (B25), there
results

/ ~ m

HXeq,L,0 Lxe,+L,0  + 0B60)

Yor laminar flow, a = 1, and all terms except (x Y disappear as
eq L

desired. For turbulent flow, on the nther hand, eiuation 060) together
with the definitions of Fx given in equation (B55), becomes:

HT '  eq,T,O Xeq,L 1 0)(XeqL,O) (B60a)

The term in the brackets differs from the previous definition of Xeq,T
given in 053) only by the factor

w-.4

(X eq.T.0) 3

arising from the use of a nominal value of mT = 4 in the definiticn of Fx .
Por all cases of practical in erest, this term will have a negligible
effect on heat transfer - on the order of one percent or less.

Use of a skin friction law of the fv'rm of 058) in the heat transfer
equation 056) has the effect of automatically introducing the local value
of v in (B6Oa), so that the proper compressibility effect on IrT is obtained.
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Summary of Method and Sample Calculations

This section summarizes the calculation procedure for the
method. Table Dl lists specific values of the "arloum parameters for
several special cases. Since the calculation depends on the functions
pe J Asarand PrArwhich exist only as the faired curves of figures B2,
B3, and B4 numerical values are given in Tables B2. 83 and B4 from which the
reader can construct the neossary plots. Also gives in Tables 92, 83
and 84 are simple curve fit expressions that are shown to agree closely
*ith the valuas from the faired curves. The curve-fit expressions were
not discovered until after the bulk of the analysis was complete, however,
and were not used for any of the comparisons presented in this report.

It is assumed ia the following discussion that the following quanti-
ties are known:

Pas U0 , i, ies tw

T8 1, TO, Tw, Pe, Awl AS f (is, Pe)

Pa. Pw, PSI = f (s, PO)

The basic equations are Independent of units, so that any consistent
set of units desired can be used.

The basic equations to be solved for each case In general form are

. RC (Bl)

where

Cf,r, L o,0y/Rr

{n'z)



CfrT -. 370 2.8 (B63)

lg10 (Rr + 00)

R rr eXL 2 2 x- (B64)
rxP eq.,L

xeq OL f XiGL f2 L dx(B66)

XqL 0 f [GL f2EL,0 j L23x 1B7

5-

xI OT f 4 ET,O JT dx

X eq,T,0 f1 5 Tjx (B68)

0 GT j E T, 0 J2
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GL Pr 1r ue r 2  (69)

GT Pr Or Ue r 5 / q (B70)

JL (137a1)0. + . P I r(B7 1)

JT= [I+ .48 r. (B72)

EL =f + ro 41iur"5 (B373)

ELO = + r a 0  (374)

to r + ? r B76)

cv I =09 (11Q76)
Pw lw
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If only laminar flow i required (e.g., stagnation point)

H = .332 
1/2

. 6 4 6 . . . . ( 7 1 )

Q r  X qr J,

The general procedure for a given came is as folloma

a. Examine Xeq equations to reduce them to minimum form consistent
with the given problem. For example, the flat plate values of P.A. and Pe
are all independent of x and J - 1, so that xeq - x in all cases.

b. Find Pr Dr using figures B2 and B3 or Tables B2 and B3. Recently
the following expresalons have beep found for (P. /e)eff and Pr Ar I

(Pe aAj meff P8 ' S8 .85 - .85 (978)

Pr/r (6 eeff .6 w) ]

As may be seen from the values tabulated in Tables B2 and 93,
eq. (376) and (B70) agree with the curves of Figures B2 and 83 to within
about 3%, corresponding to a 2 to 3 percent error in the predicted heating
rate, and so are considered adequate for moot purposes.

e. Find

i. (Z T)r from Pr Pr, Pe

2. Ir  from (Z T)r, Pe

3. Or from (Z T)r

4. po from 1S, Ir s (Z T)r and equation (45)
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(Note that Ao is required only for turbulent flow calculations.)
Any gas properties may be used in these calculations. In the
present report the gas properties of references 2 and 26 were used.

d. Determine the streamline dIvegence pcr&aeters r and f. For
arbitrary bodies at anglo of attack these parameters are often
not knma, although their product A may 'ie estimated from
the pessure distribution or oil flow patterns.

The values of r and f for several spesial cases are given in
Table Bl.

e. Find P if rnquired. Note that for ths general case, exact

evaluatlon of P. requires an iterative solution, since

1r "q L d(In u) (Boo)

D = 6 11L x J d(In x)

and the term In brackets is In itself a function of Ps In practice
however, a finite difference integration along the streamline Is performed
for the bracket parameter

[JL X- [eL f2EL j L f2 EL JLdx (Bl)

ajI the local value of P1 at x - nAx can be evaluated with sufficient
accuracy (if the step size is small) by

S 1. d(In x) 4&x X X(al 7)AX

17'9



f. Find Es, ic, and Z o  using equations (B37, B38, F-39, and

B40). A discussed in connection with equation (B50), the subscript 0

denotes evaluation for zero Mach number.

g. Find r from E using figure B4 cr Table B4. Recently, the

following expression was found.

r = [.96 .5 5 .. 5] (383)

The error in heating resulting from the use of eq. (B83) rather than figure B4
is less than 1% for P < 10.

h. Evaluate J, E, Xeq and Fx, and Rr from the defin.tions given

earlier in this section.

i. Find iD,e, iD,e/ie and, from ie, Pe

J. The heat transfer coefficient H can now be calculated from

equations (B61) through (B63). Specific values of the vaeious boundary
layer parameters are given in Table B1.
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TABLE B2

TABUIATION O VALUPS OF pr~ r

Prtr

(el) elf

PWIW

From fijure (B2) From equation (B79)

.15 .226 .226

.20 .290 .296

.25 .354 .362

.30 .414 .426

.35 .485 .486

.40 .502 .544

.5 .641 .650

.6 .739 .744

.7 .818 .826

.8 .892 .896
* 9 .950 .954

1.0 1.000
1.1 1.04 equation (B79)
1.2 1.08 not valid for
1.3 1.12 hot wall cases
1.4 1. 15
1. 5 1.18

1.7 1.25

1.8 i.26



TABLE B3

TATWIiAION OF VALUES OF (p ep)ef f

(Pe e) ef e

Peee

pp vFrom 2igure B3(a) From equation (B78)

.2 .335 336

.3 .478 .478

.4 .610 .604

.5 .715 .713

.6 .791 .804

.7 .850 .879

.8 .905 .936

o9 .955 .976
1.0 1.000 1.000

TABLI B4

TABULATION OF VALUES OF r

r

From figure B4 From equation (B83)

.5 .164 .155

.6 .232 .224

.8 .360 .349
1.0 .475 .460
1.5 .710 .700
2.0 .925 .905
3.0 1.27 1.26
4.0 1.56 1.56
5.0 1.83 1.82
6.0 2.07 2.07
7.0 2.30 2.30
8.0 2.50 2.52
9.0 2.70 2.72.
10.0 2.87 2.90
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Figure Bb. EFFECT OF PRANDTL NUMBER ON
REYNOLDS ANALOGY FACTOR

18I



I IU
00

z 0
A 0 c0

A) cn a
ui Luui 0

U U V !2
Z Z Z-3 0

Lu lu u 1,0

LU UiceLf
LL. tx &L-)

N-1 -

* z
Il-

cC9

L.

mez

185



.8

.6

.5

C.4

.3

o25--
015 .2 .4 .6 .8 1

Psi As, / Ps A,
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Figure B3: DENS ITY-VISCOSITY PRODUCT CORRELATIONS
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APFFDIX C0

NONSMhILAR DOiWDRY TAYER PIKOWN'

The purpose of the Nonsimilar Boundary Layer Program is to integrate the
laminar boundary layer partial differential equatioe mtng finite difference
methods, but without the use of similarity assumptions.

Nearly all published ex.ct laminar boundary layer solutions have been ob-
tained using the concept of similarity. These solutionsp which must be obtained
numerically, require that the viscous flow partial differential equations be
transformed to a set of ordinary, non-linear differential equations. In the
transformed systen the flow properties are expressed as functions of a mingle
similarity variable, and are therefore Independent of chorlvise location. Un-
fortunately, the necessary transformation requires certain flov co-ditions
which are rarely realized on realistic configurations. The Boeing Nonimilar
Program was developed to avoid such limitations.

The Nonsimilar Program can calculate either stagnation or non-stagnation
bWtAary layers with arbitrary pressure gradients, with or vithout mass In-
jection. Three-dimensional flow effects are calculated using the zero cross-
flow approximation, f'/fi - 1, which iwplies no rotation af the velocity vectors
within the bounds:-y layer. The program Is also limited to attached flow.

The program described herein treats air in chemical equilibrium. The
program oun be applied to ideal gas and other fluids by changing the tabulated
gas traensport property tables.

The program is capable of Initiating its own boundary layer solutions,
given o.ly external flow properties, for either the stagnation point or sharp
tip eones and plates.

Basic Eqations.- The equations solved by this computer program are the
standard boundary layer equations of state, continuity, x-omentum and energy.
These equations are presented In a form used by the program for evaluation at
several vertical positions in the bondary layer at each value of x oonsidered.

This Appendix is based on Appendix C of Reference 18.

** This computer program was developed by A. L. Nagel and R. T. Savage

during the X-20 development program.
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DEJAION OF S8ATS

Jr + P 4 -u

~IT i?[3(PeYI) #pu

-Z1 au] -. r [2y; .. () ax}~2

vhere subsoript i-1 refers to y *y -A

x-NDOIJ

axM~ ( i l xjuO C3)

l x 4 Y\U+Y/L _yUW7

*X -U L rY Y r usu u -Ni
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Equation (C2) it obtained from the eontinuity * quation by introducing
equetion (C3) and (C4) to eliminate au/lx und *H/X. No Atomic diffusion
terms are required in equation(C4)becnsu.te thi mode of energy transport hae;
been included in the Prandtl number.

Forward integration.- Since v is expressed as a function of input data,
v can be determined explicitly at each point in the bow.dary layer at the
initial or start position. With v defined, the initial u and H profiles,
ju/ax and OH/Ox can be determined. With *u/#- and #H/Dx determined, the pro-
files at the next station can be obtaiaed by forward integration using the
following equations

u X+X = "x +  Ax (0 )
lix

Hx X-Ax = 11 x + M'] AM (C 0)

This scheme of calculation is presented in the sketch below:

(i) Input u,H,P, etc -u2 1j n -eiai
Calculate zT, P, APr, -i2/2, and y-deritive*
CalcCalculate v
Calculate #u/xt aH/ax

2) Calculate p, pPr, y-derivatives, etc
3 Calculate v

) Calculate uex, a H/Ox

Repeat above procedure 'til
end x Is reached.

Boundary layer oidge

-*SX-- y
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At erh point In the boundary layer, the classical similarity parameter
Is calculated using the following relationship.

pe %u r r Jdy

Pe Ue Pe r 2  
7)

Also calculated at each station () are the boundary layer displacement
thickness,8*, heating rate, 4w, and shear at the vall.i w .

= 1] dy (C8)

4w[P PU IH +Pv H dy (9)

TW=e - P~ U IV + P v &y + AP d, (C 1O)

The heating rate and ahear at the wall are calculated using the energy
and wuonta Integral equations rather than the definitions because of the
freater accuracy obtainable vith the Integrals. The use of the definition of

an Tw requires very sm 3'y Increments to obtain accurate values of the

gradients at the wall.

For problem without vortLoity, ae 0. For cases with vortiotty,

(Ou/y) e Is Input as a function of x,
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Stagnation Region Calculatio

Stagnation point profiles are obtaIne by modifying the procedure just

discussed. Input profiles are corrected by integrating the u and H profiles,

but x (not equal to zero) is not increased during the integration. The pro-

files are assumed correct when

I -- 1 , lU, for all pllOx , x

where u e Is the velocity at the edge of the input velocity profile (i.e. the

input velocity farest from the wll.) This convergence criterion Is obtained

with the velooty similarity stated below.

Ox = % u (C 12)

Experience has indicated that an enthalpy profile oonvergence criterion Is

not necessary.

For the stagnation region, equations (C5) and (C6) are changed to

H H I S fC13)

Ut" [U + u '  S], 'it I i lyx o + As

where zo = Initial x location

6S a a fictitious length

19
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Onoe the convergence criteria have bee, satisfied, the calculations can
be stepped forward around the body aa discussed in the previous section.

Oas PZiertie. - As stated previously the program treats air in chemical
equilibrium and can be applied to air as an ideal gas and to other fluids by
changing the tabulated gas transport property tables.

The transport properties for equilibrium air were based on the nine-species
model (N , 0 , 0, Op+, G+, and e ) of reference 2 and computed using the

collision integral method of reference 14. The transport properties are built
Into the program as tabular functions of enthalpy and pressure.

22

2 (P. H(C16)

fPr d(H u ) (,H 2) C8
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The interal of the Prandtl number Is used to eliminate errors Introduced
into the finite difference calculations by the oscillations In the Prandtl
mober. The oscillations cause

InthalWy

a large Prandtl number gradient to exist 'between adjacent nodes at whichI calculations are made.

The Prsndtl nmber Is obtained over two nodes by

Pr, _ [_( 2,, H-2 1 (Ci 9)

where I refers to evaluction at

i + 1 refers to evaluation at y + Ay

i - 1 refers to evaluation at y -,dy
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APPENDIX D

FORMULATION OF hS*

The boundary layer displacement thickness heating parameter, defined by

h6 - h $ (1 - dy, (Dl)

0

is required for evaluating the effects of shallow surface waves on aerodynamic
heating. This appendix describes the methods that were used to compute the
values shown on Figure 6-45. Only laminar flow has been considered.

Methods for estimating the laminar displacement thickness were developed by
Hanks and Savage, Reference 29, by correlating the boundary layer solutions
first presented by Cohen, Reference 37. The closed form equation for 6*
that is presented in Reference 29 is rewritten here and forms the basis for
the development of the equations used to define the product, hW*. For zero
pressure gradient

6 M (2..[....... (D2)
PeUer

where

= 0.905 + 2 o + (-
reref

(TZ) re f  0.73 (TZ) + (Tz)(Tz)0  (Tz),

Results shov- on Figure 6-45 were calculated for a sharp flat plate. For
this geometry

r-1

pwul w const
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APPENDIX E

SAMPLE SOLUTIONS

To illustrate the use of the charts in Sections VI and VII, example
problems were prepared. In most instances, examples have been chosen that
clearly explain the procedure required to reduce the curves to correct
numerical results. The applicable text section number precedes each example.

A. Section VI - Reference Condition

Radius Correction - Turbulent Reference Heat Transfer Coefficiert

Example: Determine the turbulent stagnation line heat transfer coeffi-
cient, hSLT, for a 600 srept cylinder having a leading edge radius of

R = 0.1 ft. The flight condition is VEL = 10,000 fps and ALT = 100,000 ft.

Quantity Source Value

hR Figure 6-4 1.6 x 10-2 Btu/ft2 -sec-OR

R 'R Figure 6-7 360,000

S CRT Figure 6-6 1.64

6) h .6 xl-2 2
%hSL,T Q x 03 2.62 x 10 Btu/ft -sec-*R

B. Section VI - Basic Shapes

I. Sharp Flat Plate and Sharp Cone

The computational procedure required to obtain heating rates for a sharp
flat plate or a sharp unyawed cone is similar. The procedure is illustrated
using a sharp flat plate.

a) Laminar Flow

iample: Determine the lamsinar heat transfer rate to a sharp flat plate
at an angle of attack of 200, at a dist&nce x = 5 ft, for T = 1500 OR and
TAW/TT =0.87. The flight condition is VEL = 20,T00 ips anW ALT - 200,000 ft.

Quantity Source Value

O hFPL/ho Figure 6-23 0.275 (Altitude effects
neglected for
figure 6-23)

0 h0  Figure 6-2 3.56 x 1
-3 Btu/ft2 -sec-°R
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x 9.77 x l0 4 Btu/ft2-sec-*R

Q C Figure 6-25 0.445

S hx = 5 ft O xO 4.35 x 10-Btu/ft 2 secR

CT Figure 6-24 1.0

0 hx = 5 ft 0 x Q 4.35 x 10-4 Btu/ft2-sec-°R

© TAW Figure 6-1 31,500 OR

G cl h(TAW - TW ) 13.05 Btu/ft 2-sec=©(D & 50)

b) Turbulent Flow

To obtain turbulent heating rates to a sharp flat plate or a sharp un-
yawed cone, use the turbulent reference and design charts. The procedure is
identical to that shown above.

2. Hemisphere

a) Laminar Flow

nample. Determine the laminar heat transfer rate to a 1-foot radius
hemisphere at the angular location e = 60*. The flight condition is VEL
20,700 fps and ALT 200,000 ft. Assume TW = 2000 @R and TAW/TT = 0.95.

Quantity Source Value

o h0/ho  Figure 6-9 0.395 (Altitude effects
neglected for
figure 6-9)

Q h0  Figure 6-2 3.56 x l0 - 3 Btu/ft 2 -sec-*R

h 6001 x © 1.41 x 10- 3 Btu/ft 2 -sec-R

O TAW/TT Assume 0.95

( TAW Figure 6-i 34,500 OR

© 4 h(Ow -2000)

Wall temperature corrections can be made using figure 6-3.
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b) Turbulent Flow

Example: Determine the turbulent heat transfer rate to a hemisphere
using the conditions given in the example for lam!i ar flow.

Quantity Source Value

O R Figure 6-10 1420rMAX

Q 0 MAX Figure 6-11 36.250

0 AO 60" - 0 MAX +23.750

h/hMAX  Figure 6-12 0.715

hMAX/hsp Figure 6-13 0.66

0.U h0  Figure 6-2 3.56 x 10- 3 Btu/ft2-sec-*R

h X ( x (D 1.53 x 10- 3 Btu/ft 2-sec-*R

T® w/T1 Assume 0.95

@ TAW Figure 6-1 35,000 'R

4 h(TAw - TW) 50.5 Btu/ft2-sec

= ( - 2000)

When the radius of the hemisphere is different from R = 1 ft, the value of
R must be corrected using equation (6.10) before using figures 6-11 and

6-13.

3. Swept Infinite Cylinder

a) Laminar Flow

Example: Find the laminar heat-transfer rate to a 40* swept cylinder,
1 foot in radius at an angular location, 0 = 600. The flight condition is
VEL = 20,700 fps and ALT = 200,000 ft. Assume Tw = 1000 *R and TAw/TT = 0.94.

Quantity Source Value

Ol h0 /h o  Figure 6-17 0.222

( h Figure 6-2 3.56 x l0-3 Btu/ft2-sec-R

3 h 0= 600 (D x Q 0.79 x 10 "3 Btu/ft2-sec-°R
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M M0 x cos 40°  17

© L  Figure 6-3 1.05

h = 600  () x 0.83 x ID,3 Btu/ft2 -sec-°R

TW = 1000 -R

( TAW/TT Assume 0.94

TAW Figure 6-1 34,000 OR

& h(TAW - Tw) 27.4 Btu/ft2 -sec

=® ( b- 1ooo)

b) Turbulent Flow

The procedure for determining turbulent heating rates to swept cylinders
is similar to that shown above for laminar flow.

4. Unswept Infinite Cylinder

a) Turbulent Flow

Example: Determine the turbulent heat transfer coefficient to a 1
foot radius unswept cylinder at an angular location, 0 = 60° . The flight
condition is VEL = 18,7000 fps and ALT = 180,000 ft. Assume TW = 2000 OR.

Quantity Source Value

Q R Figure 6-20 5,500

@ Figure 6-21 33.6 °

O A 60 " +26.4

0 hMAX/hSp Figure 6-13 0.7

© h Figure 6-2 4.55 x .0-3 Btu/ft2 -sec'°R

60 Sp hSP = ho(R = 1 ft) 4,:5 x 10 - 3 Btu/ft 2sec-°R

( h 0= 60 / h MAx  Figure 6-22 0.66 Btu/ft 2 -sec-°R

r% in, 600 x xD 2.10 x 10 "3 Btu/ft -Eec-°R

NOTE:

When the radius is different from R = 1 ft, Rr must be corrected uing
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equation (6.10) before using figures 6-13 and 6-21.

4. Sharp Delta Wing

a) Laminar Flow

Example: Determine the laminar heat transfer coefficient to a 750 swept
sharp delta wing at x = 5 ft. on the centerline, and at x = 5 ft. off the
centerline on the rayline 4/E MAX = 0.5. The wing is at an angle of attack

of 200 at the flight condition VEL = 20,700 fps and ALT = 240,000 ft.

Quantity Source Value

hSD, L/hO Figure 6-30 0.325

h Figure 6-2 1.62 x l0-3 Btu/ft2 sec-R

hSD,L x r 5.26 x lo Btu/ft2 -sec-@R

Q C Figure 6-25 0.445

O hx = 5 ft ( x 2.34 x l0 - 4 Btu/ft2 -sec-*R

/ (h/hA= 7 = 5 f Figure 6-31 1.065

0 hx = 5 ft x Q 2.50 x 10 "4 Btu/ft -sec-*R

A= 750

hE /hE = 00 Figure 6-32 1.01

© hx = ft 7 x © 2.52 x 10-4 Btu/ft2 -sec-eR

The wall tempeeature correction is obtained from figure 6-24.

To determine turbulent heat transfer coefficients to a sharp delta wing
requires the use of turbulent reference and design charts. The procedare is
identical to that required to obtain laminar heat transfer coefficients.

C. Section VI - Combinations of Basic Shapes

1. Unyawed Blunt Cone

a) Laminar Flow

Example: Calculate the laminar heat transfer rate to a blunted cone
having a hemispherical nose of R = 0.5 ft and a semi-vertex angle of 300 at
S/R = 4. The flight condition is VEL = 20,700 fps, and ALT = 200,000 ft.
Assume T, = 2000 OR and TAW/TT 0.95.
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Quantity Source Value

0 (hc, L/hsP)s/R- 4 Figure 6-27 0.198

O h0  Figure 6-2 3.56 x 10 - 3 Btu/ft 2 -sec-'R

(h ho /! 5.o4 x lo "3 Btu/-ft 2-sec-'R(D (CL S/R = 4 hIST - S,

ShS/R x ( .995 x 1O 3 Btu/ft2 -sec-*R

( TAW/T T  Assume 0.95

0 TAW Figure 6-1 34,500 °R

O 4 h(TAw TO) 32.3 Btu/ft2 -sec

=@(Q- 2000)

b) Turbulent Flow

Example: Determine the turbulent heat transfer rate to an unyewed blunt
cone using the conditions shown in the example above.

Quantity Source Value

® (R rMAX ) R = 1 ft Figure 6_ -10 1420

S rMAX)R = 0.5 ft 1.O 710

O (R/rMAX ) S/R-4 Figure 6-28 8.5

© Rr  © x 035

O hT/hL Figure 6-29 1.23

hL  From Step ( in 0.995 x 10"3 Btu/ft-sec- R
laminar heating
example

O h x 0 1.193 x 10 "3 Btu/ft2 -sec-OR

® TAW/TT Ass~ie 0.95

O TAW Figure 6-I 34,500 *R

0 h(TAW - T) 38.8 Btu/ft2 -sec

D( - 2000)
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2. Blunt Delta Wing

a) Laminar Flow

Example: Determine the laminar heat transfer coefficient to a 70' swept
blunt delta wing at the centerline location S/R = 17. Also determine the
leading edge stagnation line value, and its amount of shift due to lower
surface effects, as well as the heating on the lower surface at N/R = 4. The
flight condition is VEL = 20,700 fps and ALT = 200,000 ft at an angle of
attack of 30° . The nose anO leading edge radii are 1 ft.

Quantity Source Value

Q (hD, L/hsp) S/R=I7 Figure 6-34 0.101

2 h Figure 6-2 3.56 x i0"3 Btu/ft2-sec-@R

hSp hSP,(R=I ft) h 3.56 x 10 - Btu/ft 2-sec-*R

0 hBD,L O x 0 3.59 x 10-4 Btu/ft2 -sec-*R

( OSL Figure 6-38 650

S AUT Figure 6-39 54.5 °

(hSLho) A EFF Figure 6-16 0.362

\ hSL, A EFF Qx7 1.29 x 10- 3 Btu,ft 2-sec-°R

r (hD,L/hsp)N/R=4 Figure 6-36 0.1 6

100 (hBD) !R= 4OxG 4.49 x 10-4 Btu/ft 2-sec-*R

b) Turbulent Flow

Example: Solve for the turbulent heat transfer coefficients on a blunt
delta wing using the conditions given in the example for laminar flow except
let the flight condition change to VPL = 18,700 fps and ALT = 180,riO ft.

Quantity Source Value

S (hBD,L/hsP)S/R = 17 Figure 6-34 0.101
@ h Figure 6-& 4.55 x 10 - 3  /ft-sec-R

Ox® 10 Btu/f -sec-RSP hshSP(R=I ft) = 5 Btu/ft-sec-R

@ hBD,L QX ( 4.59 x 10 - 4 Btu/ft2-sec-*R
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Rr Figure 6-0 2450

(R/ Ar )S/R 17 Figu 6-40 37

O (Rr) 91,00 17 0 ,000

(Vh/) Figure 6-29 2.6

9 hT @XO® 1.19 x 1.o 3 Btu/ft2 -se-'*R

@ OSL Figure 6-38 65?

@ A m Figure 6-39 54.50

) (h/h T)AE,. Figure 6-18 1.22

h Figure 6-4 2.82 x 10- 3 Btu/ft 2-sec-*R

hAEFF @ X@ 3.44x lo-3 Btu/ft2 -sec-*R

NOTIE:

When the nose radius is different from R = 1 ft, the value of R must be

corrected by equation (6.10) before proceeding with step (. r

At the present, no method for evaluating turbulent heating between the
centerline and the leading edge is available. Estimates must be made by
fairing a curve through the end points.

3. Flap Surfaces

a) Laminar Flow

The increase in laminar heat transfer across e flap can be directly
obtained using figure 6-41.

b) Turbulent Flow

Example: Determine thie increase in turbulent heating across a 10*
positively deflected flap vhere the initial surface is at an angle of
attack of 200 for the flight condition VEL = 18,700 fps and tLT = 180,000 et.

Quantity Source Value

(D (kh/HL) L Figure 6-1] 3.3

0 (hFhH) /(F/guL)L re 6-4 0.95
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G (hF/h0 3.05

D. Section VI - Surface Condition Effects

Surface Roughness

Example- Determine the increase in laminar surface heating on a flat
plate at an angle of attack a= 20*, for the flight condition VEL = 20,700
fps and ALT = 240,000 ft. Assume the wave height parameter W/R = 25 and
R = 0.1 ft.

Quantity Source Value

h. 8* Figure 6-45 1.26 x lO"5 Btu/ft-sec-OR

0(@ h/h °  Figure 6-23 0.275

0 h 0Figure 6-2 1.62 x 10 - 3 Btu/ft 2-sec-OR

(D) 8* /(®x®) 0.0283 ft

(D R/a* 0.1/( 3.53

( hMAx/h Figure 6-43 >1.7

E. Section VI - Application To Complex Configurations

Control Surface Gaps

a) Laminar Flow

Example: Determine the maximum heat-transfer coefficient on the lower
surface fin and control-surface gap for the flight condition VEL = 20,700 fps
and ALT = 240,000 ft. The vehic)2, is at an angle of attack, a= 20.. The

surfaces creating the gap have a circular cross-section of radius = 1 ft and
are far enough apart to prevent choking.

Quantity Source Value

hG,L /h o  Figure 6-47 0.0332

h 0 Figure 6-2 1.62 x l0 - 3 Btu/ft 2-sec-*R

0 hGL OxO 0.538 x 10-4 Btu/ft
2 sec-R

b) Turbulent Flow

The solution for turbulent hcat-transfer !oefficients in a control
surface gap requires the uwe of turbulent refere. ce and design charts. The
procedure is identical to that for laminar f'low.
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F. Section VII - Use of Ground-Test Data in Design

Two methods are used to extrapolate wind-tunnel data to flight conditions.
The first method involves the use of compressibility parameter charts and
extrapolation factor charts. Flat plates, sharp cones, infinite swept
cylinders, sharp delta wings, and control surface gaps fall under this
method of extrapolation. The procedure in computing the results is the same
in all cases and therefore only one example is provided that is applicable to
all of the geometries mentioned above. This procedure is illustrated in the
examples under the subheading, "General. Method." The second method is
illustrated in the examples under the subheading "Method for Deflected Flaps."
The extrapolation from wind tunnel to flight for laminar flow on a hemisphere
is a special case (A =1) and can be obtained directly from figure 7-25.

1. General Method

a) Laminar Flow

Example: Laminar data is available from a wind tunnel on a flat plate
at an angle of attack, a= 200, at x = 0.4 ft. Wnen normalized to the
stagnation point heat-transfer coefficient for a 1 f radius 2phere the ratio
is 0.38. The total enthalpy of the tunr.el is 2 x 10' ft /sec and the test
section Mach number is J2. Determine the heating rate ratio for the laminar
design flight condition, VEL = 20,700 fps and ALT = 240,000 ft.

Quantity Source Value

L/ho)WT 0.38 x .4 0.24(hFPL x = 1 ft -1

© LFLT iFV 2/2 2xl08

0 '/FI(L, 2 x 1o7)/ 2 x 108) 0.1

O (hFPL /ho)wT Figure 7-19 0.854

S FP,L Figure 7-L 1.079

(h Fp,L/ho)alT (D /(0 x 0.261

( (h /h)04hx oFLT 14 ft 0

b) Turbulent Flow

To determine turbulent heating rate ratios use the turbulent reference,
design, and extrapolation charts. The piocedure is identical to that for
laminar flow.
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2. Method for Deflected Flaps

a) Laminar Flow

Example: Laminar heating data from a M,= 10 wind tunnel show a 100%
increase in heating for a 100 positively deflected flap whose initial
surface is leflected 200, i.e., angle of attack, a= 200. Compute the
expected change in heating for the same geometry at the laminar reference
condition, VEL = 20,700 fps and ALT = 240,000 ft. If data show a 20% decrease
in heating in the wind tunnel for a 10 negatively deflected flap, compute
the expected change for the flight condition stated above.

Quantity Source Value

For 8= +i0 . a . 20

o (hF/hHL)FLT Figure 7-30 1.29

Q (hF/hHL)WT Given 2.0

O (h h H)FLT Q x @ 2.58

For 8= -l0o, a= 200

o (hF/hHL)FLT Figure 7-30 0.82

O (hF/hHL)WT Given 0.8

( (hNT)FLT  Q x 0.656

b) Turbulent Flow

For turbulent flow the procedure is the same as shown above except an
additional step is required to convert to expected turbulent values. This is
done by using figure 6-42 in conjunction with the calcilated laminar value.
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