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ABSTRACT

An advenced re-entry systems heat-transfer handbook for hypersonic
flight has been developed using serothermodynamic prediction methods developed
during the X-20A (Dyna Soar) Program. It contains 1) design procedures for
computing aerodynamic heating rates to re-entry vehicle configurational
elements, 2) discussion of differences between aserodynamic heat transfer
and pressure distributions observed in present day wind tunnels and those
which would occur in actual free flight, 3) wind tunnel to flight extra-
polation factors, U4) simplified expressions for estimating stegnation point
and swept cylinder turbulent stagnation lire heating rates, and 5) graphs
for rapid calculation of heating rates and extrapolation to flight factors.
The information presented is applicable to complex mansuverable vehicles
as well as ballistic bodies.
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I. INTRODUCTION

Successful design of a maneuverable re-entry vehicle requires detatled
knowledge of aerodynamic heating rates over all surfaces of the vehlcle.
Performance of the vehicle is limited by the temperature capability of
structural materiasls which tend to establish lower limits >n the radil of
the nose anéd leading edges and upper limits on the angle of attack at which
the vehicle can operate. Unfortunately, design features thst are favorable
from the performance standpcint often have undesirable heeting characteristics.
Aerodynamic heating studies, therefore, are required to determine the proper
design compromises,

Aerodynamic heating rates are influenced by all of the properties of the
fiow field in addition tc the influence cf body surface conditions. In the
external flow, the density, velocity, pressure (both level and gradient),
streamline pattern, and chemicel composition must all be determined before heat~
ing calculations can be made. At the Lody surface the important conditiones ere
the wall temperature, smoothnress, and permeability. The boundary layer ctate,
which may be laminar, transitional or turbulent, may also depend upon all flow
properties.

The ability to accurately predict inflight serodynamic heating rates varies
with geometry and flight condition. Analytic methods are available for simple
shapes in laminar flow; for 2li other conditions a combination of theoretical
and empirical methods must be used. A completely empirical approach is preciuded
by the limitations of testiang facilities, none of which can provide completely
setisfactory simulation of the re-entry environment.

This report presents a compilation of design methods for computing aero-
dynamic heating rates that were developed durirg the X-20 (Dyna-Soar) Program.
The results of more than five years of aerodynamic heat transfer testing and
analysis are reflected in these methods. Methods developed specifically for that
program are presented in this report in a generalized manner intended to supply
information useful for preliminary design of advanced re-entry vehicles. The
methods presented were, however, developed to treat the critical d-sign con-
ditions for the X-20, and are not intended to be spplied at velocities greater
than 26,000 fps nor to surfsces cooled by mass injection. The flow is assumed
to behave as a continuum, ana to be in chemical equilibrium. With the exception
of vorticity !‘nteracticn in ihe region of the forward stagnation point, liow
Reyno.ds number effects arc neglected. No mass addition effects are considered,
but some information 1s given regarding léakage which may occur at panel joints
or control surface hingelinee. The effects of surface roughness were found to
be large and s=re discussed. Flow rleld interference effects on X-20 fin lesding
edge and canopy heating were found to be severe and an spproximate method that
defines the upper limit is presented. While these assumptions., limits and
approximations were appropriate and surlficient for X-20 design studies, they
should be reviewed when considering other lifting re-entry vehicles.

The meterial that is presented in this report is divided into seven
mejor sections. The following section (Section II) describes the methods
for several baslc two-dimensional and axisymmetric shapes. Combinations of
these shapes &re discussed in Section III, and surface condition effects on
the level of basic smooth body heating rates are described in Section IV,

1




Suggestions pervaining to the application of tue design methods to com-
plex configurations sre gilven in Sectior V. This section also contains two
examples from the X-20 progrem that illustrate the requirement for detailed
analysis tailored to the re-entry vehicle being studied.

Section VI contains charts that give numerical results for several basic
geometric shapes, including the hemisphere, flat plate, swept cylinder, unyaw.
ed blunt and sharp cones, and blunt and sharp delta wings at angle of attack.
Heating rates for all configurations are given by distributlon curves which
are to be multiplied by reference heating rates to give absolute vslues. Thia
form of presentation is conclse and simplifies the estimation of heating rates
for geometries nct specifically presented. Hemisphere stagnation point heat-
ing rates are used as laminar reference values for all shspes. Turbulent
heating for sharp tip configurations are referenced to the turbulent heating
rate for a 60-degree swept infinite cylinder. For blunt bodies it was found
that better accuracy was obtained by referencing turbulent heating rates to
laminay hemisphere stagnation point wvalues.

Section VII discusses interpretation and use of data from wind tunnels
and other ground-based test facilities. In some cases, wind tunnel data cen
be applied in flight by merely adjusting the level by use of the reference
heating rates described in the previous paragraph. However, for complex geo=-
metries, further correction is often necessary because of real-gas and inter-
acting flow field effects.

Appendices are included that:

1. Give simplified expressions that approximate some of the more complex
heating formulas.

o

<howv derivations of basic methods.

3. Provide a method for calculating laminar boundary layer displacement
thickness.

4., Give examples of the application of the charts presented in Sections
VI and VII.




II. METHODS FOR BASIC SHAPES

This section describes the methods that were used to predict heating
rates for several basic shapes; including flat plate, sharp cone, sphere,
infinite cylinder, and sharp delta wing. These geometries were selected
because relatively detailed znd accurate calculations can be made for each
without relying heavily on experimental resulis, and because such calculations
provide information that can be used in analyzing more practical configurations.

For the purposes of this section, heating calculations can usually be
broken into two separate steps: 1) the calculation of the flow properties
neglecting the effect of viscosity, and 2) calculation of the boundary layer
using the inviscid flow results. The inviscid flow calculations must pro-
vide & cciplete description of conditions at the boundary layer outer edge,
including the local pressure, velocity (both magnitude and direction), tem-
perature, and chemical composition. No practical completelr general method
has been developed for calculating the inviscid flow for all of the basic
shapes. It was therefore necessary to use several 2ifferent methods to
calculate the flow about the basic shapes, including normal and oblique shock
theory, modified Newtonian theory, Prandt)-seyer expansion theory; the method
of characteristies, and the blunt body inverse method. In eddition to these
vell known methods, an eumpirical pressure distribution was used for infinite
cylinders, and a crossflow meihed was used for predicting delta wing stream-
lines. Except where otherwise noted real gas effects are included in the

flow field calculsiions, using gas properties of reference 1. Chemical and
thermal eqailibrium. hes been assumed in all calculations.

In contrast to the variety of inviscid flow methods used, all of the
boundary layer calculations for tlie basic shapes were made with a single
method, the " P, Method". This method, which was developed by R. A.
Hanks ip the course of the X-20 program; is applicable in either lamipar
or turbulent flow. The laminar flow version of the p ,u, method is bused
on exact similar solutions of the boundary layer equations. The exact
solutions were used to construct curves of boundary layer parameters, in-
cluding form factors, ( 8f/9), crossflow momentum thickness, Reynolds
analogy factors, and effective values of the density-viscosity product.
The boundary layer parameter curves are then applied 'in nonsimilar flows
through the use of a momentum integral equation.

The turbulent flow form of the P,y method uses the same momentum
integral equation, retaining terms that are often neglected, such as thosec
related to the effect of pressure gradients on the turbulent boundary layer
profiles. Although such profile changes are small, and cennot be exactly
calculated, their effect miy be to increase heating vates, and it is there-
fore unconservative to nefglect them entirely. The evaluation of the
turbulent boundary layer parameters was guided by the known leminar %‘rends,
end in some cases are tuken directly from the aforementioned laminer curves.
The actual values used vwere selected also on the basis of agreement with
experimental results.




Since the p . i , method embodies essentially ell laminar similarity
solutions as well as £urbulent flow parameters, it 18 necessarily somewhat
complex, and a complete description is given in Appendix B. For the follow-
ing discussion of methods, it is sufficient to note that in a?4ition to
boundary layer edge pressure, density, etc., which are required by all

boundary layer methods, the p . . method also requires knowledge of three

flow divergence parameters, r, £, and A . The parameter r accounts for

the effects of streamline divergence on heating due to body geometry, which is
most simply exemrlified by the increase in heating due to streamline divergence
on an unyawed cone. The parameter £ accounts for the effect of streamline
divergence due to transverse pressure gradients, and 8o i1e affected by body

shape only indirectly. The total streamline divergence is denoted by A ,
wvhich 18 related to » and £ by

A=constant * r ¢ f (2.1)

where the constant is arbitrary. Referring to Appendix B it will be seen
that r, £, and A can alveys be normalized so that absolute values are
never required. Hence it is sufficient to determine the ratios r/ri, f/fi,
and A/ A4 vhere the subscript i denotes some initial or referemce value.
In actual practice equation (2.1) 1s usually applied in the form:

A _r-f

The distinction between r, f, und A is necessary, since the ultimate effect of
streamline divergence on heat transfer depends on the presence or absence of
transverse pressure gradients.

The p r M method has been used for all heat transfer calculations
presented in this report except where otherwise noted. In particular,
laminar boundary layer calcuintions involving interactions with the
external flow were calculated with the Boeing Nonsimilar Boundary lLayer
Program, which is described in Appendix C. This program numerically inte-
grates the boundary layer equations in partial differential form, and so is
free of similarity restrictions. This program was required for only three
calculations: the expansion side of the deflected flap, the vorticity inter-
actions at the stagnation point, and surface wave calculations described in
Section IV. The particular methods used for each of the basic shapes are des-
eribed below.

A. Flat Plate

Exact calculations of inviscid fiow properties for the sharp-leading-edge
flat plate were wnade using oblique-shock theory and reul-zas properties. A
description of real-ges oblique-shock theory is given in reference 2. The
actual values used in this report were recalculated using gas properties
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presented in reference 1. The three-dimensional flow parameters r, f, and A
are constants for this case, so that r/ri, f/fi and A/Ai are all unity.

B.  Hemisphere

The pressure in the subsonic portlon of the hemisphere flow fiald was
calculated by Modified Newtonian theory. In the Newtonian theory, the free
stream is regarded as an aggregation of particles that impinges on the sur-
face of the body, and in so doing changes its momentum normal to the surface
iuto pressure acting on the body. This idealization of the flow field leads
to the following expression for the pressure coefficient

Cp = 2 sin’ (2.2)
where & is the true flow deflection angle. The same equation is obtained
if one considers the impact of & supersonic fluld stream on an inclined
surface, provided the shock wave is close to the surface. This latter
condition is approximately satisfied in hypersonic flight, for which the
density ratio p, Aow is large, since the shock standoff distance, As’

is related to the density ratio by

by =[0] R (p/p)
R = Hemisphere radius (2.3)
as shown in many references. See, for example, references 3 and k.
Equation (2.2) is exact only if A_ = 0. For a finite density ratio

and hence finite As’ improved accuracyscan be obtained with Modified New-
tonian theory

Cp = K sin° (2.1)

where K is a constant which is expected to be near 2.0. Its actual value
for the hemisphere can be calculated by ncrmal shock theory and isentropie
compression to zero velocity. The result is very well approximated by

K=2-0/p, (2.5)

Equation (2.5), which 1s obtained by assuming that the density is con-
stant on the stagnating streamline downstream of the bow shock, is derived
in Chapter 7 of Trultt (reference 5), among other places.

The pressure distribution in the supersonic flow portion of the hemisphkere
was calculated by Prandtl-Meyer expansion theory matched to values glven by
equation (2.4) in the vicinity of the sonic point. The actual matching point




was selected to meke both the oressure distribution and its deri-ative
continuous. The resulting pressure distributior is shown in figure 2-1.

Velocity distribution cem be calculated from the pressure Zistribution
either by isentropic expansion or by integrating the Bernoulli equation
equation

die 1 dp
de —-pe ug a6 (2.6)

where u, and 0 are defined in the sketch below

pe iz the boundary layer edge density and P iz the local pressure. Because

the pressure grzdient and velocity are zero at the stagnstion point the
Bernoulli equation must be applied in the special form

1'-.'*;-_....._'8‘1“_ _‘;1_..!__"21’ (2.7)
x R P 9x2 -7

vhere x is measured from the stagnation point and B is the velocity gradiemt
parameter. Using the Newtonian theory pressure distribution and the
equation of state, equation (2.7, leads to

8L V3kw @9

where £ 18 the gas constant, T 1s the real-gas temperature, and Z is the
compressibility factor.

As pointed out in referemce 3 the use of wmodified Newtonian theory for
the hemisphere pressure distribution has been substantiated empirically.
The Prandtl-Meyer matching method hes also been verified in this mamner.
However it 1is not necessary to only rely upon experimental data for their
substantiation. Comparisons have been made with inverse-method caleculations
(reference 6) and with ‘he integral method calculations of Belotserkovskii
(reference 7) that shew that the method described here is accurate to
within & few percent.

Streamline divergence on a hemisphere is due entirely tc body gecmetry,
and 18 given by

A/ASH = cos O (::.9)




where A is the local streamline divergence parameter, ASH is the streamline
divergence parameter at & = 0°, and § is the truve flow deflection angle.

The basic hemisphere heating rates for both laminar and turbulent flow
were calculated by the pr"r method. At very low Reynolds numbers and high

Mach numbers a correction to the laminar heating rates must be made to account
for the effects of vorticity in “he external flow, which may become important
when the boundary layer 1s not th'n In comparison to the shock layer thickness.
Analysis and experimental data have been published (e.g. references 8 - 1C) that
shovw increases in heating rate resulting from vorticity interaction.

There i3 considerable disagreement between the varicus published theor-
etical predictions of the vorticity effect. Many of the predictions contain
rather drastic simplifications and/or patching of separate approximate
solutions for various regions within the shock layer. The Nonsimilar
Boundary Layer Program was used to obtain more complete numerical solutions
to the boundary layer equations which included the effects of external
vorticity.

A comparison between results obtained using the Nonsimilar Boundary
Layer Program and those shown in reference 8 is shown in figure 2-2 in
terms of the stagnation point vorticity interaction parsmeter I', defined in
reference 8 as:

r=-—=X (2.10)

Reo \2A

where Reoia a stagnation region Reynolds number defined as

Po Yip R
Re =——0_£_ (2013.)

0 “0

and po,;Lo, and 10 are respectively the density, viscosity, and enthalpy

evaluated st stagnation conditions. The quantities A and w are coefficients
in an equation for the inviscid tangential velocity:

M, x
u i, %) =AV-%—[1 +WE/R) + .0 {2.12)
with A = R_du

fio o

i @ [ ou ]
- Gorm],

where x and y are curvilinear coordinates tangential and normal to the body,
R is the body radius, and u is the velocity normalized with respect to the
boundary layer edge velocity.




Physically the vorticity parameter I' represents the ratio of the shear
stress in the shock layer to the shear stress at the bpody surfsace, i.e.,

du
u, (22
e (3Y)e

Pe Uo? Cf(dI,

=0
where u, 1s the potentlal-flow velocity, the subscript e denotes evaluation
at the édge of the boundary layer, and thﬂ? =0 is the vorticity-free skin-

friction coefficlent. Numerical values of ' can be obtained if u_ snd w are
known. The potentisl-flow velocity u_ can be obtained from the New’onian pres-
sure distribution end the Bernoulli egnation as defined by equation (2. 8).*

The vorticity parameter I was computed using the following equation for w vhich

is given in reference 8: [ V2 ]
X _}-1jq- €)
i ()"'1) l-e 1/2

X _ Y )
o)., - (1 VEuse) (B2 a) ) - e

where € 13 the density ratio across the normal shock and As/R is the dimen-

sionless shock standoff distance.

As shown in figure 2-2, Nonsimilar Boundary Layer Program calculations are
somevhat lower than those by Ferri, et al. in reference 8. At the time calcu-
lations were made by The Baeeing Company, there was considersble controversy
over the magnitude of the vorticity interaction effects, with the majority of
the published methods also falling well below the reference 8 prediction.¥*
The controversy could not be resolved by experimental results, due to the ex-
treme difficulty in obtaining reliasble data. The Nonsimilar Boundary Layer
Program calculations involved fewer simplifying assumptions than those in re-
ference 8, which could be the source of the difference shown. However, an ex-
tensive review of the assumptions involved in the reference 8 analysis was
mede, using the detuiled information provided by the Nonsimilar Boundary Layer
Program, without discovering any serious discrepancy.

Van Dyke (reference 11) and others have polnted out that vorticity inter-
action is only one of several second-order boundary layer effects, and suggest
the proper consideration of these additional effects would reduce Ferri's (re-
ference 8) predictions somewhat. This observation does not explain the lower
values given by the Nonsimilar Boundary Layer Program, however, since only the
classical boundary layer equations were used. The effect shown is entirely
due to the boundary condition applied at the outer edge of the boundary layer,
namely,

(a____u ~=ep~ Constant

*Note that B of equation (2.8) is very nearly equal to the parsmeter A of
equation (2.10) for hypersonic flight, since 1, = ug/2.

**These results are not conveniently displayed in the f-ormat of figure 2-2.




rather than

(), = o
ay y—o
the condition applied in no-vorticity calculations.

The present authors fesl that the Nonsimilar Boundary Layer Program re=
sult, beilng & more complete calculation, is less likely to contain any hidden
errors, and recommend the use of the Nonsimilar Boundary Layer Program curve
of figure 2-2. However, once I’ 1is calculated the resder can easily obtain
numerical results for both methods.

C. Infinite Cylinder

The pressure in the immediate vicinity of the stagnation line of an un-
swept infinite cyl!nder was obtained by modified Newtonian theory, equation
(2.4). An empirical curve, shown in figure 2-1, was used for the pressure
distribution away from the stagnation line. It was observed that there was very
little difference between the data from meny different tests; hence a single
curve was used for all calculations.

The velocity distribution on the unswept cylinder can be calculated using
the same methods as were used for the hemisphere. The actual velccity dis-
tribution Giffers slightly from that on a hemisphere, however, since the two
pressure distributions are not identical.

The inviscid flow over a swept cylinder can bhe calculated by resolving
the flow into components normal and parallel to the cylinder axis. The flow
normal to the cylinder can then be calculated by the same method used for
unswept cylinders. The preasure, temperature, density, and circumferential
velocity depend only on that component of the free stream flow normal to the
cylinder. The parallel flow component is constant. The streamline pattern
can be calculated from the veloecity components by integrating the relation-
ship

y(x)=fg§dx=f%dx (2.14)

where y 1s the distance of the streamline from the stagnastiop line
(measured along the cylinder surface) and x is the distance measured along
the cylinder stegnation line. The body geometry stresmline divergence
parameter r, due to geomeiry is equal to the cylinder radius. Since r is
constant for all x, r/r1 = 1 and there 1s no direct effect of r on the

heating rate. There is of course a pressure gradient effect on heating
through the parameter f. The total streasmline divergence is then equal to
that due to pressure gradients alone, so that equation (2.la) reduces to

A _f
A I,

1

(2.15)




vhere A and f car both be obtained from the integral of equation (2.14).
D. ©Sharp Unyawed Cone

Shock-wave angles and flow-field properties for a sharp unyawed ccne
were obtained using the methocd-of-charascteristics, reference 12, Since
transverse-pressure gradients are zero for an unyawed cone the value of
£/f, = 1. Hence, the expression for the streamline divergence parameter
reduces to

r: A, x. 2.16)

E. GSharp Delta Wing

The delta wing presents & more difficult anslytic problem than say of
the other basic shupes discussed so far, and rigorous theoretical metheis
are svallable for only & few restricted cases. For sharp leading edge delta
wings with the flow supersonic everywhere it can be shown that 21l flow
propertizs muat be constant along any straight line through the apex. At low
angles of atteck oblique shock thenry can be applied to the region upstream
of a Mech line on the lower surface through the apex. Oblique-shock theory
is applied in the plape normal to the leading edge at an effective free-
stresm Mach number, M , and wedge angle which can be obtained from purely
geometric caiculation8 as follows

- -1 tan &
6 = tan (m) (2.17)
and
M, =M, Vl - 8in® A cos? (2.17a)

where a is the angle of attack snd A is the geometric sweep angle.

It 1s seen that for very highly swept delta wings, the effective wedge
angle will be much larger than the angle of attack, so that shock detachment
will occur at relatively low angles of attack. For very high angles of
attack the fiow at the leading edge is outward, (1.e., with the leading edge
behaving as a trailing edge), and the flow field cam be calculated by an
extension of the blunt body method of integral relations (reference 7) as
shown in reference 12. Such calculations have thus far been mede only for
ideal geses with constant specific heat ratios.

For most of the conditions of practieal interest, however, neither of
the above methods could be applied and approximate methods become necessary.
It was still desirable that the methods be as valid as possibie in the
actual flight enviromment. Accordingly, emphasis was placed on developing
approximate analytic methods for predicting delta wing pressure, velocity,
and streamline patterns.
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1. Sharp Delta Wing Pressure Method

The approximate analytic method devised for predicting delta wing pressures
was a modified Newtonian method, in which the constant K of equation %a.h) was
allow=d to vary so as to obtain the best agreement with known exact solutions.
This was done by first plotting wedge, cone, and blunt-body stagnation pcint
theoretical results as shown in figure 2-3.

It 1s seen in figure 2~3 that for wedges and cones the coefficient K st
first decreases with normal Mach number, and then increases rapidly to a limit
fixed by shock detachment. The effect ie seen to be less proncunced, and to
occur at larger deflection angles for cones than for wedges. For both wedges
and cones, K is always greater than 2.0. Blunt-body stagnation point values
for K are seen to behave in an opposite manner, being always less than 2.0, but
increasing slowly with normal Mach number. (This behavior is consistent with
the previous expression for K given for blunt bodies, equation (2.5)). For
delta wings, it is to be expected that the wedge curves will apply in the lead-
ing edge region at low angles of attack, as previously discussed. At very large
angles of attack, approaching 90 degrees, it is to bhe expected that the blunt
body curve would be more applicable. In the intermediate range K would be ex-
pected to vary more or less smoothly between the wedge and blunt body curves.

Shock detachment is caused by the inability of attached flows to
satisfy mass conservation requirements. For the sharp-delta wing, the
phenomenon of shock detachment would not be expected.to occur in the same
sense ag for a wedge or unyawed cone since mass in conserved by flow outward
over the leading =dge. The existence of outflow at the delte wing leading
edge at very high angles of attuck also implies that at some intermediate
angle the flow must be just parallel to the leading edge, and so would
correspond closely to cone flow. The curve of K for the delte wing would
therefore be expected to begin at the wedge curve, fair through the cone
curve, and terminate on the blunt-bedy curve.

Such a family of curves was drawn, and is presented in figure 2«l which
was used for all delta wing calculations in this report. The upper branch is
based on & formula given by hyperscnic small-disturbence thezory,

21} 1 \/?~/+ 1\2 2 >:3 (2.18)

Ngﬁsin 6

which was used primarily because it gives a curve of the desired shape. The
eurve shown was calculated for ¥ = 1.1, a value which was selected because it
leads to the desired curve, and not because Y = 1.1 is considered realistic.
(A value of 1.1 1s clearly unrealistic in comparison to wind tunnel data.)
The lower branch is feired 30 that K approeches a value of 2.0 as the Mach
number approaches infinity, varying as follows

~ 2.2

K=2- o (2.19)

«

for Mach numbers greater than 10. 1

TRy N




Although the fairings of figure 2-lI are somewhat arbitrary, the development
Just given is preferabie to a purely empirical approach, since all the
required exact solutions can be made for flight conditions.

The major objective of figure 2-4 is to predict delta wing pressures;
hovever, it is also expected to provide reasonasble predictions for almost
any shepe; since it agrees well with both slender and blunt-body resulis.¥

2. Velocity end Streamline Pattern

The inviscid velocity component parallel tc the delta wing centerline
was celculated by the following expression:

‘;—e— =1 - a2/5600 (2.20)

-]

vhere a is the wing angle of attack in degrees. Equation (2.20) was
obtained in the same manner &s the pressure curve described previously by an
exemination of cone and wedge theory. For two-dimensional nonreacting flow,
the inviscid velocity depends only on the shock wave angle and density ratio,
snd is given by:¥%»

u e,
;Z = Vcosz 68 -+ % sinz 98 (2 021)
® 2

vhere . 05 is the shock wave angle in degrees. The wing angle of attack
is found by the following equation

e, \
fg - a = tan'l(—;- tan 68) (2.22)
2

*Figure 2-h can not be expected to apply to interfering flow fields, hovever,
since one of the effects of interference can be to increase the local dy-
namic pressure.

##Equations (2.21) and (2.22) are obtained by resolving the flow into compon-
ents ricrmal and parallel to the shock. In crossing the shock the mormal
velocity component is reduced in proportion to the reciprocal of the density
ratlo. The parallel component is unaffected.
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Some typical results for various values of the density ratio &re shova below:

”‘

A i i 1

i0 20 30 Lo 50

Angle of attack, ¢ - degrees

Equation (2.20) is also shown for comparison.

As snown in the above sketch the velocity increases with density ratio at
constant @ to an upper limit which equation (2.21) shows tc be a cosine function.
For cones no rigorous, simple formula is available, since the velocity varies
as the flow compresses within the shock layer. However, tle velocity changes
during this compression are slight, and equation (2.21) is rearly correct for
cones as well as wedges. The value of! fg~a for cone flow is only about one-
half the wedge value given by equation (2,22)*, however, so that the cone curves
would be expected to lie about midway between the wedge and cosine curves.

It is seen that the velocity ratios are fixed within fairly narrow limits
for density ratios greater thaa about 5. In hypersonic flight density ratios
less than 5 cen occur only at small wedge deflection angles (1ess than about 11
degrees at Mech 20) where the effect of density ratio is seen to be small.
Equation (2.20) was therefore chosen as a close approximation for hypersonic
flight for angles of attack up to 4O degrees or more.

#* This result is obtained by applying a mass balance to the cone shock
layer, assuming that surface velocities are equal to the wedge values,
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The spanwise velocity component for sharp delta wings 18 obtained by a
crossflow theory. As shown in the following sketch, in the crossflow plane

the delta wing appears &s a sharp-cornered blunt body for which the velocity

at the corner must be equal to the local sonic velocity, a*n (the detailed

derivation of reference 13 leads t0 the same conclusion). i

; Wing ; £ 8
Yok

t

Mwsin(!

*
The local sonic velocity &, 1is calculated from the Mach mumber component
appearing in the crossflow plane, and is given by

* [2 + 7 -1) Mo sina)z] 1/2 (2.23)

"n =& 2+ (y-1)

At the centerline the spanwise velocity component is zero but increases
with distance away from the centerline. Superimposing the spanwise compon-

ent onto the axial flow component (equation (2.20)) leads to a streamline
qualitatively similar to that sketched below.

The leading edge streamline angle, Gn*, with respect to the centerline is
calculated from the following equation:

*
tan On* - (2.24)
Ue

using equation (2.20) for the axial velocity component ug.

L
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It will be noted that this method predicts outflow even at zero angle of attack.
This inconsistency was avoided by modifying equation (2.23) to:

n (-] ® in -y+]

This modification 18 squivalent to0 neglecting the effect of the free stream
static temperature on a*n, and was used throughout this report.

The distribution of the spanwise velocity component cannot be calculated
except for the few previously noted special cases for which complete flow field
calculations can be made. However, the published calculations for the flat-
faced blunt body show that the assumption of a linear distribution is conser-
vative, f.e., overpredicts the spanwise component. Delta wing experimental data
were similar, but more nearly linear than the bluat body theory would indicate.

A linear distribution has therefore been assumed in the preparation of this
report.

Vo = an*(y/ ™ AX) (2.26)

where y is the spanwise distence measured normal to and from the centerline
and Max is the leading-edge value of y. The streamline equation was obtained

using equations (2.20) and (2.26) and is given by:

y = an (2'27)
vhere C is & constant for any particular streamline, and

a *

- = tan 6* tan A (2.28)

D= etan(90° - A)

The streamline patterns corresponding to equation (2.27) fall into two
classes, depending on the veélue of n. For n less then 1.0 the streamlines
originate at the leading edye; for n greater than 1.0 all streamlines origin-
ate at the apex. The two types of patterns are sketched below:

n>1l -
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Since the streamline divergence parameter A 1s proportional to y, it can
be expressed using equation (2.27).as
S 2
A/ = (x/xi)n'( 1+ ‘dY/d*Z)Y (2.29)
VI + (dy/dx)? i

Since the delta wing is taken to be flat, it is assumed that there is no
three-dimensional effect due to body shape, so that f/f1==A/Ai.

3. Heat Transfer Calculations

The sharp delta wing heating curves of Section VI were calculated using
equation {2.29) together with pressure given by figure 2-k, the velocity com-
ponents ziven by equation (2.20) and (2.26), and the P, M, method of Appendix

B. For the centerline of the sharp delte wing the three-dimensional fiow effect
can be calculated in closed form for laminar flow and is given by

h/npp =N1 * 2n (2.30)

where n 1is defined by equation (2028), and hFP is the heat transfer
coefficient for a flat plate evaluated wusing delta wing surface properties.

A similar expression can be derived for turbulent flow using the Blasius
skin-friction law:

. 0592
Ce =% .
f  Re? {2.31)

The resulting expression for the three-dimensional effect is:

o

(2.32)

Equation (2.32) is an approximation in that equation (2.31) is considered
to be less asccurate than the Karman-Schoenherr or Praadtl-Schlichting equations.

However, as shown in Appendix B, the error imtroduced into equation (2.32) 18
small.

These simple forms (equations (2.30) and (2.32)) are possible only because
the streamwise distance to a point on the centerline is unaffected by streamline
divergence. For locations not on the centerline the streamwise distance depends
on the streamline pattern, as may be seen from the previous sketches. The com=
bined distance and flow divergence effects must be evaluated by integrating the
boundary-layer equations along the streamline, as waa dong in the preparation of
the design curves, figures 6-32 =nd 6-33.
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III. COMBINATIONS OF BASIC SHAPES

is section describes methods that were used to calulete the aero-
thermodynemic characteristics of three combinations of basic shapes, the
hemisphere-cone, the blunt delta wing, and a flat plate with a trailing edge
flap. The blunt delta wing is made up of a flat delta wing with cylindrical
leading edges and & spherical cap. The spherical cap is of the same diameter,
and tangent to, the cylindrical leading edges.

The examination of combined simple shapes illustrates the adjustments
that must be made in applying basic methods to complex configurations. It
will be seen that in some cases, as for example the slender blunted cone, the
combined body has considerably different aerothermodynamic characteristics
than would be indicated by an examination of each element separately.

A. Hemisphere-Cone
1. Local Flow Properties

Nose bluntness affects cone heating rates by altering the surface pressure
distrioution and by increasing the entropy of the flow at the boundary layer
edge. Typical inviscid-flow blunt-cone pressure distributions are presented
in figure 3-1. The values shown were calculated for a hemiphere-cone using
the blunt body inverse method (reference 11) for the subsonic region and the
method of characteristics for the remainder of the flow field. All calculations
are for real-gas air in chemical equilibrium. Aliso shown are the sharp-cone
pressure coefficients calculated using figure 2-k,

As shown in figure 3-1, the presence of the hemisphere affects the pressure
¢istribation for considerable distances downstream, particularly at small cone
angles. Theoretically, one expects that as the cone angle approaches zero the
effect of nose bluntness will persist infinitely far downstream. At large cone
angles, however, the effect 1s seen to be confined to a distance of a few nose
diameters.

Figure 3-1 is avnlliceble only for cones with hemispherical noses, but
qualitatively similar hehavior is to be expected for other nose shapes. The
blast wave analogy proposed by Lin in reference 1lh and applied by many others
(see for example, the discussion in reference 5) indicates that for given
free-stream conditions tne distribution on & blunt cylinder aligned with the
flow depends only on the nose drag coefficlent and not on the details of the
nose shape. This conclusion cannot be applied in the vicinity of the nose
itself, however, since the analogy breaks down as the shock angle approaches
90 degrees. Since the bluntness effect extends such a short distance at
large cone angles, the effect of nose shape on the details of the pressure
distribution cannot be ignored in that case. However, it is seen that the
overall effect is relatively small when the cone augle is large.
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In contrast to the effect on pressure, the effect of bluntness on the
entropy of the inviscid flow theoretically extends infinitely far downstreem
for all cone angles. The streamline at the cone surface reaches the stagna-
tion point after having passed through the normal shock that exists shead of
all blunt bodies in supersonic flow. In crossing the shock much of the
kinetic energy of the stream is transformed into internal energy, with the
result that the surface streamlines on the blunt cone have a lower velocity
and density than at corresponding locations on sharp cones, even though the
static pressure may be nearly identical. These reductions in velocity and
density lead to a reduction in the heating rate as well. The changes in
local flow properties and the reduction in heating are commonly referred to
as "bow s.ock effects."”

In calculating the bow shock effect the local flow properties are
obtained by isentropic expansion from the stagnation point to the loecsl
static pressure. Since this calculation requires knowledge of only the
totul enthalpy, stagnation point pressure, and the locel pressure, it is
seen that the maegnitude of the bow shock effect does not depend on the nose
shape or size, provided only that the nose is sufficiently blunt that there
exists a detached shock wave.

The existence of a boundary layer on the cone mcdifies and reduces the
bluntness effect.®* A streemline asctually entering the boundary layer may
originate some distance away from the normal portion of the bow shock, as
shown 1in the simplified s’zetch below:

Streamline

Boundary layer edge B;;;;\\\\\\\\
84
ok

* One of the implications of this statement is that the inviscid flow on a
blunt cone does nct approach as & limit the conditions of & local flow on a
sharp cone as the bluntness iz decreased to zero, although the discrepancy
is confined to a vanishingly thin layer near the cone surface.
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Since the mass flov within the boundsry layer 1s given by
Py e (-6

it is seen that y, can be obtained without actually tracing the streamline.
Applying a mass balance leads to:

nmumwym2 =7 [(R+6~6”)2 -Rz:lpe ueiznn (6-6*)peue (3.1)

cr

Pe Ue

s _gk £ C .
yw—\/zn (6 6)%% (3.2)

If the variation of the shock wave angle with xnis known, the entropy
Just downstream of the shock cun be cbtained by oblique shock theory. Since
the statlc pressure at the edge of the boundary layer is equal to that at the

cone surface, all other flow properties can be obtained by isentropic expan-
sion.

The actual variation in heating rate along the surface of a blunt cone, in-

cluding the effect of the boundary layer mass absorption, follows the blunt cone
theory initially and then increases toward the sharp cone theory. Some slight
overshoot probably occurs as sketched belcow:

Actual Varistion

Low Reynolds
Number

-High Reynolds
Number

Distance
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The boundary layer thicknesses d and 0% will be affected by the
streamvise variation in edge flow properties, resulting in a difficult
toundary layer calculation. Very little has appeared in the literature
regarding the effect of such variation. Since the boundary layer 1s usually
assumed to be "thin," it 1s to be expected that the variation in local flow
properties will be graduel, and adequately accounted for by using the {varying)
local properties in constant property boundary layer formulas. Such a procedure
would account for the effect of changing levels, but not for the effects of
flow property gradients. ¥or any but the simplest shapes such a calculation
is very difficult and the results far from certain.

In the present report, blunt cone heating rates are based on local flow
properties calculated by isentropic expansion from behind a normal shock,
and so represent the lower curve of the above sketch. Further info-mation,
including some experimental results for flat plate turbulent boundary layers,
may be obtained from reference 15.

2. Streamliae Divergence on a Blunt Cone

Bluntness does not change the fact that transverse pressure gradients
are zero 1f the cone is unyawed. As a result, the value of £/f, = 1 and by
choosing the tangency point, or shoulder, of the hemisphere-coné combination
as the location of the reference value equation (2.15) can be written:

A _ _sin A

Agy  sin Ogr1 x<0 (3.30)
A X

— =1 += tan § x20 .3b)

where 6 , 6 , and R are defined as shown:

2
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~
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B. Blunt Delta Wing
1. Locel Floir Properties and Centerline Heating
On the blunt delta wing; as on the blunt cone, the hemispherical nose

affects downstream pressures and through the entropy effect, all other flow
properties. The evaluation of these effects 1s much more complex than\for
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the cone, varying with spanwise position &s well as chordwise distance. In
addition, bluntness affects the delta wing streamline patterns, and the wing

in turn has an effect on the nose and leading edge flow. The calculation of
tne flow field surrounding a blunt delta wing is more difficult than for the
sharp delta wing, since the previously mentioned ccndition of constant flow pro-
verties along ray lines can no longer be applied. In principle, the flow can
be calculated by the method of characteristics for three dimensions, using
blunt body theory to obtain the initial values. In practice, however, it was
found that a large amount of computer time was required, and the computer
results obtained showed indications of numerical instabilities.

This lack of exact theoretical methods for the blunt delta wing has re-
quired the use of approximate methods and empiricsl results. The bases for
the approximate methods are the basic shape metheds of the previous section.
The empirical information is based on the results of an extensive series of
delta wing tests that were conducteda during the X-20 program covering a
Mach number range from 6 to 22. The data from those tests has been reanalyzed
under NASA contract and will be published as references 16, 17 and 18.

The effect of bluntness on centerline pressure distribution is shown in
figure 3-2. These curves were obtained by matching empirical results
from the X-20 tests to the hemisphere method previously given. Also shown
in figure 3-2 are sharp delta wing values obtained from figure 24, The
blunt delta wing pressures are appreciably higher than those for the sharp
delta wing for at least three nose diameters, and for angles of attack greater
than approximately 30°, do not fair into sharp delta wing values. The solid
curves of figure 3-2 have been used for the heat-transfer curves of Section
VI.

Near the centerline the effect of nose bluntness on entropy can be
calculated as described in the discussion of hemisphere-cones. However,
calculations show that the effect of the highly swept leading edges on down-
stream entropy levels 1s much less than for the hemisphere, and has a much
smaller effect on the heating rates. The proper evaluation of bluntness
effects on a delta wing therefore requires a detailed knowledge of the bve-
ginning of each streamline that wets the surface, a knowledge that at present
does not exist. Since the bluntness effect reduces downstream heating rates,
it is conservative to neglect the bluntness effect except at the centerline,
where the surface streamlines are known to have come through the hemisphere
shock. The curves preseuted in this report for blunt delta wing centerliie
heating are based on normal shock entropy, as were the blunt cone curves.
The method used for calcailating spanwise distributions for blunt delta wings
will be described following a discussion of streamline methods.
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Bluntness effects on the streamline patterns were experimentally investi-
gated by an oill-flow technique. A mixture of oil and lampblack was spread
uniformly over the surface of test models before they were subjected to the
hypersonic tunnel flow. Patterns were seen to develoup that indicate the
direction of the surface shear force. These patterns were then either photo-
graphed or transferred to vellum paper by direct contact. An enalys’s was
made of the relation of these observed shear force patterns to the streamline
directions in the external flow which led to the conclusion that the surface
shear patterns always indicate more outflow than actually exists in the
external flow. The argument leading to this conclusion may be summarized
as foliows:

1. A fluid particle in the external flow describes a curved path such
that the centrifugal force acting on the particle is in equilibrium
with the transverse pressure gradient.

2, The same transverse pressure gradient acts on particles within the
boundary layer, since the pressure is constant through the boundary
layer.

3. Since the velocity of the particles within the boundary layer is less
than those in the externmal flow, the centrifugal force will not match
the external pressure gradient unless the path of the particles within
the boundary layer has a smaller radius of curvature than that in the
external flow.

Hence, the surface oil flow patterns (which reflect the surface shear
forces) will indicate more curvature than exists in the external flow. This
conclusion would aprly in elther laminar or turbulent flow. The oil flow
results showed that bluntness greatly reduced the amount of outflow, with the
streamlines being nearly parallel to the centerline in proximity to the nose
even at high angles of attack. Since outflow increases the heating rates by
thinning the boundary layer, it is conservative to use sharp delta wing stream-
line methods on the blunt delta wing. This has been done in preparing this
report. Since the heating rate calculation involves streamwise integration
of the boundary-leyer momentum equation beginning at the stagnation point (as
described in Appendix B) delta wing streamline assumptions do not affect the
prediction at the hemisphere shoulder. It 1s also to be expecced that far
downstream where the wing span 1s much greater than the leading edre radius
the sharp delta wing streamline method should be applied. Thus, the use
of slzrp d=lta wing streamline methods in the region just downstream of the
nose results in a prediction that begins at sharp delta wing values. Far
downstream the prediction approaches the same asyriitctic values as would be
calculated using = method based on estimated blunt wing streamlines, but
the prediction would be conservative in the intermediate region.

Using the sharp deltes wing streamline predictioan method, the streamline
parameter A in the vicinity of the centerline is given by

n

—f—; = (1 +%,:- cos A) (3.4)
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where R is the nose radius, x 1s measured slong the centeriine, be - .ng at
the tangency point between the nose cap snd the plane surface and : given
by equation (2.28).

2. Blunt Delta Wing, Leading Edge and Nose Heating

The blunt delta wing discussion has thus far considered nose and leading
edge effects on the delia-wing flow field. As long as the wing flow fleld is
entirely supersonic, both normal and tangential to the leading edge in the
plane of the wing, it 1s to be expected that the flow over the nose and
leading edges will be unaffected by the lower surface. The sonic points on
both the leading edge and nose are about 45 degrees from the stagnation point,
s0 that the lower surface should begin to affect the leading-edge flow field
when the effective angle of attack given by equation (2.16) reaches 45
degrees. Such an effect on the location of the leading-edge stagnation line
was observed in the delta-wing tests as illustrated in the sketch below:

A=T3
g Faired experimental data
o -
g . 8o} o
sz | g
7 ~a—Infinite cylinder theory
el 60} s
-~ @
~ f
81.\—1“0-
g’ |
« 20 9
: AN
a0 e

0 10 20 30 Lo 50
Angle of attack, a, degrees

The upper curve i1s a faired curve representing oil flow data measured
on an unrewed T3-degree swept blunt delva wing at Mach numbers of 6.0 and 8.08.
The lower curve can be computed using equation (2.17), since eSL is numeric-

ally equal to 6,. The curves show that at engles of attack less than about
15° the lower suwface has no influence on leading-edge stagnation-line
location. However, as the angle of attack is increased, lower-surface pres-
sure influences the location of the stagnation line indicating that it will

reach the shoulder at a lower angle of attack than predicted by the infinite
cylinder theory.
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During the X-20 program an approximate method was developed that pre-
dicts the angle of attack for which the stagnetion line is located at the
shoulder. The method is based on the observation that when the stagnation
line is on the leading edge shoulder the velocity in the plene normal to the
leading edge axis is zero at the leading edge shoulder. In this crossflow
plane the velocity at the shoulder was estimated by superimposing the previously
described delta wing outflow velocity onto the leading edge velocity distri-
bution. Closest agreement with data obtained during the X-20 experimental progrem
occurred when the circumferential velocity distribution on the ecylinder was

calculated by ; (3.5)
v (8) = ¥ G *

where 0 is measured from the zero angle of attack stagnation line. The
velocity gradient (av/aO)SL was calculated from

() ,3(“:1 dx (3.6)
v R /51 R/ d6
where B = PR —(which depends only on the normal Mach number) was calculated

for the true ngf%al Mach nmurber as given by equation (2.178). The normal

velocity Yo n is calculated as if for zero angle of attack by
(4

u, . = ug, cos A (3.7)

Setting the shoulder value of v equal to the delt:-wing outflow velocity as
given by equation (2.25) leads to:

1/2 (3.8)
_miy+1 -
tana-?‘(y_l) B cos A

Equation (3.8) gives that angle of attack at which the leading-edge
stagnation line is located at the leading-edge shoulder. Stagnation line
locations in this report have been approximated by using equation (2.17) for

angles of attack up to 15° and then fairing a line to the value obtained using
equation (3.8).

A second lower-surface effect on the leading edge that was first noted
early in the X-20 program was a reduction in stagnation-line heating rates.
Such a reduction is to be expected when it 1s noted that at very high angles
of attack equation (2.24) predicts that the flow near the leading edge is out-
ward. In that case the leading edge behaves as & trailing edge, and a reduc-
tion in heating 18 to be expected. No reliable methods were developed for pre-
dieting the magnitude of the reduction, however, since there was little affect
on the X~20 operating envelope.

At about 45 degrees angle of attack the delta-wing lower surface influences
the subsonic portion of the nose hemisphere flow field, and & similar reduction
in stagnation point heating is to be expected. However, the effect is expected
to be small, and no evaluation of this effect was made during the X-20 program.
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3. Blunt Delta Wing Spanwise Heating Rate Distribution - Leading Edge

Stagnation line locations shown in the charts of Section VI were deter-
mined using the method Jjust described. Stagnation line heating rates were
determined by infinite cylinder theory for flight conditlions at angles of
attack less than 20 degrees. The aforementioned reduction in heating rates
at the sltagnation line in comparison to infipite cylinder theory is based on
a T3-degree swept delta wing date and is purely empirical.

The blunt delta wing heating curves shown in Section VI from the
stagnation line around the leading edge and onto the surface were defined by
the data of reference 16. The actual magnitude of the heating rate ratios
presented, however, were shifted in order to fair smoothly into theoretical
centerline values.

. Deflected Flap
1. Compression

Flaps deflected intc & stream compress the oncoming flow and often cause
the boundary layer ahead of the flap to sepnrate. Effects of flow separation
and reattachment on serodynamic heating can be large and extremely complex.

In most cases predictions must be based on approximate methods. The difficulty
of providing useful heat-transfer information for actual design is made some-
vhat easier by the fact that maximum values are usually of most interest.

Aercdynemic heat transfer through a laminar separs:ied region wes analyzed
in reference 19 by an extension of boundary layer theory. That calculatiocn
indicated that the average heu!, transfer in a separated region is reduced by
about 50 percent es compared to attached flow heat transfer for the ssme
locel flow properties at the boundary layer outer edge. This result has
buen verified in tests of reference 20 for cavity-type flow and tests of
reference 21 for forwerd-facing step flow. The results of reference 20
indicate that the same reduciion might apply to turbulent flow. Test data
of reference 21, however, irdicate an increase in heating for separaied
transitional and turbulent flow over forward-facing steps.

The prediction of reattachment heating is difficult because of large
pressure gradients that exist throughout the reattachment region. Calcula-
tions (reference 22) have been made for laminar boundary layer flow at
reattachment; however, a prior knowledge of the reattachment pressure
gradient is required. Since regions of separated flow and locations of
reattachment are practically impossible to predict ror c.mplex configurations,
an approximate method was developed during the X-20 progrem to predict the
upper bound of reattachment heating. This method relates the maximum inviscid
pressure rise on the deflected flap to a maximum heating rise at the point of
reattachment as follows:

Mmax = Pwax (3.9)

DUNDISTURBED  TUNDISTURBED
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This approximate result is based on the relation:

*« y*1/n
constant pT B ue

pr2/3 X 1/(n+1)
[f pP* Bh* ug dX} (3.10)
o

which 1s a slight generalizatior of an equation shown in reference 23, In
equation (3.10) n 1s 1 for laminar flow and 4 for turbulent flow. The super-~
script * denctes evaluation at the reference temperature, defined by Eckert
(reference 24) as:

h =

To evaluate the effect of a sudden compression on h as predicted by equation
(3.10), we write

-

X+ 1/n+1

1 f pP* U* g dx
hy _rurthug, (3.11)
B (ox iy

X,
f P* U* ug dx
l
_ O '

where the subscripts + and - indicate evsaluation Just downstream and Just up-
stream, respectively, of a sudden compression. If the compression occurs over
& very short distance, the two integrals must be nearly equal, since

X, X..
J oprutueaxs [ prurugdxe (k- x0 0% u*ug ¢ ..
(+] (o]

and for small values of (x, = x_)

X4 X
f p* B* ug dx 2 f p* U* e dx (3.12)
o 0

S0 that h, (p* p*l/“ Ug)y [Pe (p*l/n/T*) ue]+

. o | g
h_ o* “ml/n ug) [Pe (utl/n/T*) ue]- (3.13)

In this expression the change. in pressurs are dominant. The changes

in the reference temperature T * are small because Tw and TAW 4o not change

appreciably. In addition, the changes in T¥* and u * tend to compensate.

Referring to equation(a.eo), it is found that the ratio of local to free-
stream velocity is approximately unity for angles of 30 degrees or less.
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Neglecting the "small" differences in velocity and temperature leads to:
(7, (@ *1/n/14 u), (@),
[Po (w* /1% v~ ®)-

Inmediately downstream of the compression the heating rate begins to decrease
as the integral in equation (3.10) increases. Hence,
h P
h+ . MAYX P+ MAX

= = = (3.9)
h_ hyUNDISTURBED P P UNDISTURBED

(3.14)

Since no assumption has been made regarding boundary layer state, equation
(3.9) applies in either laminar or turbulent flow. Equation (3.9) would also
e applicable in the presence of flow separation provided that no appreciable
increase in the integral of equation (3.11) occurred over the separated region.
Since the integral represents the effect of wall shear on the boundary layer
growth, it seems reasonsble that the small shear fcrces in the separated
region are also negligible. In the case of separation the subscripts + and -
would refer to conditions just aheed of separation and just downstream of
reattacrment. Although the development of equation (3.9) involves several
gross approximations, it has been used in the absence of any better method.
Comparisons of equaticn (3.9) with experimental data are presented in
reference 17.

2. Expsansion

Aerodynamic heeting rates to flaps in an expanding flow field, while
less than those obtalned on compression surfaces, may be required for design.
The presence of the boundary layer complicates the flow field by creating &
displacement effect that changes the effective expansion engle. To deter-
mine this argle in a two-dimensionel flow field, boundasry-layer growth must be
teken into account.

Consider the flow illustrated in the following sketch:

x M e
Boundary 23yer edge

e - —— . —— e S e
- - -
- - —
——

~<J8e
~

db
x Boundary layer thickness gradient

o W

w Dispiacement thickness gradient
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In the absence of a boundary layer the effective turning angle is 80“
end the flow properties at the wall can be determined using the Prandtl-Meyer

equation
2 2 Hy 1/
- _1 2H /2 4y
Geff]1 - 'A”]l T2 fH (;’z‘ - 1) H (3.15)
1

where H is the difference between total and local enthalpy and a is the speed
of sound evaluated using local enthalpy.

In the presence of a boundary layer, equation {3.15) is valid only for
that portion of the turning angle external to the boundary layer. The
effective expansion angle is given approximately by

do*
AV = bgpp - (3.16)

Equation (3.16) was used in preparing this report. However, this
equation is exact only if the boundary-layer edge flow properties are
constant. No exact simple formulation exists if the external flow properties
are not constant due to the existence of nonisentropic flow within the
boundary layer.

Consistent values of Av and §%* were obtained by an interative process
in which equation (3.15) was first used to calculate pressure neglecting the
boundary layer effect on turning angle. The displacement thickness was then
determined using the Nonsimiler Boundery Layer Program. Equation (3.16)
was then used to determine a new turning engle. This process was repeated
until further changes were negligible.

Since the iteration process is lengthy the following approximate closed
form relationship was fitted to the numerical results:

- G ()
L HL

where hEXP is the heat transfer coefficient un the expanded surface, hHL
is the heat transfer coefficient at the hinge line, P/PHL is the inviscid
pressure ratio across the expansion wave, xHL/x is the ratio of the distance

to the hinge 1!.e to the distance from the leading edge of the flat plate.

For leaminar flow n is 0.5 and for turbulent flow n is 0.2. The exponent m

has a value of approximately 0.8 for laminar flow and approximately 0.9 for
turbulent flow. However, due to the fact that equation (3.17) iavolves several
approxirations, a was conservatively assumed equal to 0.8 for both laminar and
turbulent flow.

Use of equatior (3.17) is limited to two-dimensional sherp-flat-plate-flap
combinstions at angles of attack greater than zero degrees.
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IV. SURFACE CONDITION EFFECTS

In general it is not to be expected that the surface panels of a re-entry
venicle will have the ideally smooth surfaces assumed in the basic heat trans=
fer snalysis. Roughnesses resulting from manufacturing tclerences which may
.1low protruding fasteners, panel mismatch, and panel surface curvature can
cause flow field disturbances. The severe thermal environment may lead to
buckling of surface panels; further, shallow corrugations or surface waves may
be required to control the orientation of skin buckling that results from
thermal expansion. It is also unlikely that perfect sealing can be provided at
panel joints and particularly at the hingelines of movable control surfaces.
Leakage at such points can bleed off the relatively cool sir in the lower part
of the boundary layer and so cause increased heating rates. 3

o

In the X-20 program tke Nonsimilar Boundary Layer Program, Appendix C,
wss used to calculate the effects of leakage and shallow surface waves on
leminar heating rates. The results of those calculations are described in
this section. For all other roughness effects it was necessary to rely on
experimental results. The surface roughness tests were not completed at the
termination of the X-20 progrem, nor was the analysis completed of those tests
that had been made. The results available at the time led to the following
conclusions:

1. Forward facing steps are not acceptable for design.

2, An allowance ¢ 2C percent for the effect of aft facing steps was
required.

3. Wwhnere notches were unavoidable, they should be combined with aft
facing steps.

A detalled test of aft facing step and notch configurations was in progress
at the time of the termination of the X-20 contract. The results of the
surface roughness tests are being reanalyzed by The Boeirg Company under
contract to NASA, and will be published in reference 18.

A. Shallow Surface Waves

Caleuletions of viscous interaction effects on the pressure and boundary
layer over a shallow wave vere made by combining the results of linearized
theory and the Nonsimilar Boundary Layer Program. An inverse method was em-
ployed using linearized theory for the pressure distribution, and the Non-
similar Boundary Layer Program to calculate laminar ‘boundary layer profiles.
A method essentially the same as the one used in this report was developed by
Baxter and Flugge-Lotz, reference 25.
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The parameters enltering the calculation are shown in the sketch below.

(pe ue)l? P Ayl —=

* o ._____L
-R
Yref yref

A distribution of pressure was assumed and Ay found from lineasr theory with the

aid of equation {%.1):
d(Ay)
( dx } (h.2)

2
Co = e
¥ M2 - 1

Using) the Nonsimilar Boundary Layer Program the effect of the assumed pressure
distribution on the toundary layer can be accurately calculated. Then the
height of the surface wave corresponding to the assumed pressure distribution
is given by:

Pe ue)pp
R = ypef HAy - 0*pp - ——=2= (Yref - 6*pp) (4.2)
Pe Ue

When the results of many such calculiations were examined it was found that the
following equstions could be used to predict the maximum leminar heating rates:

b i
e L R (hs)
Uyp
where
K, = [1 + ABC + (R/6Lp) (BCD - 1)]/[Ac + R/GI,',F‘BC)]
(4.4)
Ky = (R/6 ;"P) B //[AC + R/6 ;,p (cb) ]
and

A, B, C, and D are defined as

36




A =] Jret Qe tpp| fap (ke5a)
b rp Pe ug pFP
s - [Max "~ Ik} /(%Fp - O*min (b.50)
9pp N
-P q - q
o - [Pmax - Psm MAX " Y5 (b.5¢)
PsM dgm
2 J1/2
b=t o - 2 (b.5)
rm M2 R

The following numerical evaluations of the parameters A, B, and C were made
through correlation of Nonsimilar Boundary Layer Program results.

A = 0.3
0.78 + 0,84 1./i,
B = 2.6 {0.78 + 0.84 1,/1,)
1
c

" (0.78 + 0.84 1,,/ig)

Curves are given in Section VI that provide numerical results in laminar
flow based on equations (4.3), (4.4) and (L.5).

No anslytical method had been developed to predict the effect of
surface waves in turbulent flow.

B. Lesakage

The effect of leakage on laminar heating rates was also calculated with
the Nonsimilar Boundary Lsyer Progrem. Calculations were made for constant,
parabolic, and sinusoidal leakage velocity distributions.
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The leskage velocities assuwed are illustrated by the following sketch:

> \ BT
\ | Sinusoidal
i
‘ ‘ Parabolic
\')
m Constant

where m is the rate at which mass leaves the boundary layer, Vp 18 the
leakage velocity, a.ndueis ‘the boundary layer edge velocity. Downstream laminar
heating rates were computed using the Nonsimilar Boundary Layer Program.

The resultis were well correlated by the following equations independently of
the distribution of Vm:

4 _ . 0.494 L

dyL X/%p, - 123 (4.6)

. P -1/3
L = 0y by v, X2 1) (4.7)
q
NL
where H, = ———
L Aw - lw (4.8)

The definitions of the abeve terms are shown in figure 4-1. Equation
(_l&.6) was used to prepare the leakage effect curve of Section VI.

Fo~ turbulent flow no analytical method existed for vnredicting the
effect of leakage on heating rates.

38




¥°0

Y3ISNVEL LVIH ¥VYNIWVT NO 39VdVI1 40 103443 ‘T-p a4nbig

3
X - X

1
Allml.v VIt WOUd IDONVISIC
£°0 2°0 1°0 0

I
4z
0Z =D o
4 ¢
14 A 14 0007002 = 11V ¢ SZOL° O
U Ysdd 0007001 = T13A 1| €560° ¥ (D XIGN3ddv)
aur of | SNOUNTOS WAYT 1
14 zse* 14 000°00Z = 11V o = | AYVANNOE AVIIWISNON
A 0 880° O
LY: 1 G
9 M M
SNOILIANOD IHOITd §VYNIWVTe nm_: n "1™ ) m._x
X 1 [
L i = IOVAVIT LNOHLIM .
ILv¥ ONILYIH 1vD01 - Nb o ,

oy T TR st

"W1IWYEVd B34SNVIL 1YIH

R

39




V. APPLICATION TO COMPLEX CONFIGURATIONS

¥ EAVRGrR e B

The serothermodynamic environment of & re-entry vehicle is highly
configuration and trajectory depender.t, and no set of generalized rules .
can be expected to insure an accurate and thorough analysis. Rather, P
each vehicle must be examined individually and the adequacy of the analysis -
will depend in good part os the experience and care of the engineer making )
the study. However, when preperly aprlied the charts of the following
section can provide good ir.timl estimates of heating rates for typical
hypersonic vehicle configuratvions voing coneidered today. As & minimum
the following ateps should be taien:

e

1. Make oreliminary estimates by dividing the vehicle iato geometric
elements corresponding as closely as possible to the shapes discussed
in Sections IT and III, and apply the corresponding curves of Seciion VI.

2. FExamine the relation of each element to the others. If an element is
within the flow "ield of another a detailed calcuiation of the locsl
fluw should be made to determine the lccal pressure increase. Then
mus.ciply the previous estimate of the local heating rate by the presiure
ratio sc obtained. (This cnlculation is particularly aprlicablie to

A

local re-~entrant cornere, such as deflected treiling edgc flaps.)

3. Estimate the location of shock weves to determine if apy will impinge
on any other part of the configuration. There is no simple method for
calculating the effects of such impingements in all cases, but in the
absence of more definitive information it should be sssumed that a
significant heating rate increase will result.

l,, Examine each location at which the heat protection system changes in any
way, and look for eny design feature that could interfere with the
action of the heat nrotection system. For example, on a radiantly cooled
vehicle, examine each location at which the msterial temperatare limit
changes, and look for radietion blockage by nearby configuration com-
ponents .

5. Estimate the effect of the surtace condition during re-entry on smooth
body heating. No simple theory exists for any roughness element 4if-
ferent than a wave. The rule followed for the X-20 was to try and
eliminate grooves :znd steps where possible and attempt to coatrol the
orientation of aurfuce buckling.

It is emphasized that the above are only the preliminary steps, with the
course of further analysis depencent on the results of these initisl calcu-
lations. For example, step 2 may lead to unnecessarily conservat.ve v:lues,
but will bighiight potential problem areas. Thus, on the highly swept delta
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wing glider shown in figure 5-1, step 2 in the above procedure would direct
attention to the elevons and canopy, while step 3 would indicate that the fin
may be critical at low angles of attack. On the hypersonic airbreather shown
in figure 5-2 the critical regions indicated would ve the wing leading edge
at its juncture with tke body and at the impingement point of the body shock
wave, the entire cowl, the tip fins, and the interior of the engine where re-
radistion of heat is blocked by the enclosed geometry. Two examples from the
X-20 program that illustrate the need of detailed analysis will now be
described.

A. Control Surface Gap

If aerodynamic flaps are to be used for control they must be allowed to
move freely. It was found in the X-20 studies that free movement could be pro-
vided only by preventing contact between the outboard edge of the elevon and
the fin. When due allowsnce for thermal and load deformations had becn made
it was found that a sizesble gap existed between the two surfaces, and that
flow through the gap would occur at many flight conditions. Although the
resulting aercdynamic beating was not severe, excessive temperatures occurred
because the heated surfaces, being in close proximity, were unable to re-
radiaste effectively. Thus it became necessary to obtain accurate heating
rate information for the inside of the gap.

Since it was unlikely that & analytical investigation slone would leed
to an acceptable fin-elevon design, & series of tests were conducted specifi-
cally to solve this problem. A large number of fin lower edge shapes, elevon
cutboerd edge shapes, and gap widths were tested to determir: the combined
effects of aerodynamic heating and improved radiation view factor on gep tem-
peratures. The analysis of experimental data and radiation view factors in-
dicated that the point of maximum surface temperature occurs very near the
point of minimum fin-elevon separation for fins and elevons having cylindrical
surfaces, and near the Jjunction of the entrance and plane sections for
parallel fin-elevon surfaces. Gap width was found not to affect yressure
distributions as long as the flow was not choked by boundary layer growth.

The above information forms a basis for the anslysis ir this report
which considers the flow fields assoclated with the three gap configurations
presented in figure 5-3.

Maximum temperature will occur on these gap configurstions approximately
60° from the shoulders indicated on figure 5-3. The pressuve distribution
used in calculating a heating rate distribution by the;)rﬁxr method 1s shown

in figure 2-1. Stagnation conditions were based on the normael velocity com-
ponents, .
Vn = Voo sin O (5-1)

where Vo, 18 the stream velocity and o is the vehicle angle of attack. The
heating rate 90° from the shoulder is used for the design chart shown in
Section VI.
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B. Fin Leading Edge and Cancpy Interference Effects

The vehiclies {llustrated in figures 5-1 and 5-2 have vertical fins that are

to be used for aerodynamic control and canopies formingz the cockpit area.
Experimental data obtained during the design of the X-20 indicated that at

low angles of attack, fin leading-edge and canopy heating rates would t+
considerably higher than predicted by swept-infinite-cylinder theory or local
oblique-shock theory based on free-streamr conditions. The higher heating rates
are attributed to the shock wave generated by the wing surface interfering

with the leading edge and canopy surface flow field.

The exact nature of the interference effect has not been established, even
at the present time. However, based on the results of the calculations de-
scribed below, it appears that the primary effect is the change in local

fiow properties caused by the wing shock envelope. The flow field is 1llus-
trated below:

The effect on the canopy heating rate was estimated by using oblique shock
thzory to calculate local flow properties Jjust downstreum of the shock. The
canopy heeting rete was then calculated with infinite cylinder theory using
the local flow properties. It was found that for each angle of attack the
effect of the oblique shock varied such that there was a most unfavorable
angle, as illustrated below:

Line of maximm
boeting rates
Ld

k2

e




Since the bow shock is cwived, it was &ssumed that at some point the most
unfavorable angle would occur, and that therefore, the maximum canopy heating
rate would be given by the maxime of the above family of curves. Good agree~
ment with test data was ovtained by this method.

Tt will be roted that for given free-stream conditions the final result
depends only on the trae sweep angle, A, of the canopy, (since the angle of
the shock is assumed to take on all possible values) and thus can be plotted
as e single curve. The curve so obtained was also applied to fin leading
edges, and agailn good agreement with test data was obtained. The agreement
with the fin data may be fortuitous, however, since the effect of sweeping
the initial shock in the plenform view was not considered.
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Figure 5-1: RE-ENTRY VEHICLE

Figure 5-22 HYPERSONIC CRUISE VEHICLE




AYIIWO039 dV9 3OV4UNS TOUINOD ‘¢-§ anbij

YEATNCHS

.@ NOA212

)
RS
\\‘\\\\

N

L]




VI. DESIGN CHARTS

This sectlion contains charts that provide numerical values of heating
rates to the geometric elements and methods discussed in Sectione II, III, 1V
and V., As stated in Section II, calculations were made assuming the flow to
behave as a continmuum and to be in chemical equilibrium. All charts showing
altitude were developed using the U. S. Standard Atmosphere, 1962. Other gas
properties have been determined using references 1, 2, and 26.

A. Method of Presentation

Heating rates are piesented in terms of equivalent heat-transfer coeffie
cients and recovery temperatures defined by

b= q (6.1)
Taw - Tw

vhere q 1s the locsl heating rate Tw is the local wall temperature and TAW is
the recovery temperature defined as

T - AW _law oo (6.2)
AW Cp 0.24

where iAw is the recovery enthalpy and cP is the specific heat at constant
pressure for a perfect ges. Defining h and TAw in this manner is equivaient
to assuming that the specific heat of air at the wall temperature is always

cPW = 0.24 Btu/lbtm (6.3)

While in reality this assumption is usually not true, the error in making
this approximation is small because of the large difference between recovery
enthalpy and wall enthalpy for hypersonic flight conditions. In addition,
the assumption is always conservative, in that its use always results in
slightly higher values of heating rate. Finally, use of equation (6.2)
allowed structurel designers to easily obtain equilibrium wall temperatures

for radiation cooled structures using the simplified thermal balsnce rela-
tlonship

dpap= 4 (6.4e)

or €0 (Ty )t =h (Tay - Tweg! (6.4v)

where ¢ is the surface emissivity, o 1s the Stefan-Boltzmenn constant and iRAD

is the heat flux lost through radietion when the wsll temperature hes reached
equilibrium.
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Heating rates, 4, were calculated assuming a wall temperature of
2000 °R. This temperature was'chosen becauss it represents the order of
temperature one can expect on nonrefrectory materiasls during the most
eritical part of lifting re-entry. Correction charts are presented that
allow heat-transfer coefficients to be obtained for other wall temperatures.

B. Reference Conditions

Heat transfer coefficients, as represented by equation (6.1), were
calculated for all of the elements considered in Section II, III, IV and V at
the two flight conditions* shown in Teble I.

REFERENCE FLIGHT CONDITIONS

Lardinar Turbulent

Altitude 250,000 ft. 180,000 ft.

Velocity 20,700 fps 18,700 fps
TABLE T

This table represents the design conditions most critical for the X-20.

Distribution functions were formed for each geometry by normalizing local
values of heat transfer coeffizient by a reference value calculated at the
appropriate flight condition for laminar or turbulent flow. Distribution
functions formed in this way are re=latively weak functions of altitude below
about 280,000 feet and velocity between 8,000 to 26,000 fps. For laminar flow,
the reference value, h , chosen was the stagnation point of a l-foot-radius
hemisphere, Laminar hSating rates for all of the geometric elements (i.e.,
sharp plates, sharp and blunt cones etc.) considered in Sections II, III, IV
and V have been normalized by this value and ase presented in terms of
attitude. Other altitude and veloclty combinations are then obtained by
multiplying distribution functions by the appropriate reference value.

*For laminar flow the "altitude-velocity" chosen is in the region of chemical

nonequilibrium flow. The effect of chemical nonequilibrium on heating is

not taken into account in this document. However, 1t is expected to be smsll
and favorable,
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No uniqu> way has been found t0 normalize all turbulent heating rates by
the same reference value and keep the resulting ratio relatively insensitive
to altitude and velocity. As a result, in turbulent flow two methods were used
to find reference values for normalizing local heat transfer coefficients.

The first is used i conjunction with sharp flat plates, sharp cones,
sharp delta wings, yawed infinite cylinders and control surface gaps. Refer~
ence values correspond to turbulent stagnation line heating rates for a 60°
swept infinite cylinder with a 1-foot radius. This reference value was used
exclusively during the design of the X-20 and was designated at that time as
the "Turbulent Reference Heat Transfer Coefficient," hppe This nomenclature
aas been retained in this report.

Development of the second method wes completed during the compilation of
this report. It is used in determining reference wvalues to normalize turbulent
heating rates on the hemisphere, unyawed infinite cylinder, blunt cone and
blunt delta wing. This method utilizes the relationship between laminar and
turbulent flow inherent in the p_ p_ method. This expression, developed in
Appendix B, 1is ror

¢. 185 er/z

hp
hy 2.584 (6.5)
L 0.332 [logjg Ry + 3000)]2:
where Rr is the reference Reynolds numberi*defined in Appendix B eas
R. = pl‘ “l‘ “G XBQ.LJQ xe(.hl—‘no (6.6)
by “02 sz xeq’]‘

Equation (6.5) is shown in Appendix B to be valid in the Reynolds number
range between 0.003 million and 100 million.

Absolute values of laminar or turbulent heat-transfer coefficients are
then obtuined at altitudes and velocities different than shown in Table I
through the use of the appropriate reference value using tie relationship

h = (h—l‘—) hpef (6.7)

ref

where the subscript ref signifies "o" for laminar flow and "RT" for turbulent flow.

+Called reference tecause of its special significance to the ‘)r yr method.,
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C. Reference Condition Charts
1. Recovery Temperature

The equivalent recovery temperature, equation (6.2) has been evaluated over
& range of velocities between 8,000 and 26,000 fps. It is presented in figure
0-1 &8 a function of free-stream velocity and the ratio of the recovery temper-
ature to the stream total temperaturs

v_2
2c¢

Tp =T, + (6.8)

Pl

The ratio, TAW/TT’ is shown over the range 0.85 (corresponding to flat

plate incompressible laminar flow values at 6 = O; reference 27.) to 1.0, the
latter value being at the stagnation point.

2. Laminar Refcrence Heat-Transfer Coefficient

The reference heat-transfer coefficient for laminar heating is the laminar
heat transfer coefficient, ho’ at the stagnation point of a 1 foot radius hem-

isphere. It is shown in figure 6~2. Wall temperature corrections are shown
in figure 6-3 as a function of free-stream Mach nuuber, M, . Radius corrections
may be made with the equation:

N =(1_1I%>1/2 (6.9)

wvhere h is the stagnation point heat transfer coefficient for & sphere of
radius R and ho is the reference laminar heat transfer coefficient for & sphere

of radius Ro = 1 foot.
3. Turbulent Reference Heat Transfer Coefficient

Absolute velues of the reference heat-trensfer coefficient for turbulent
heating, hRT’ are presented in figure 6-4. These curves represent the turbulent

stagnation-line heat-transfer coefficient for e 60° swept, l-foot-radius in-
finite cylinder. Wall temperature corrections are shown in Figure 6-5.
Figure 6-4 can be used to determine turbulent. stagnation line heating rates
for 60° swept cylinders of radii different than 1 foot by using the correc-
tion factor shown in figure 6-6. This correction is, however, dependent on
the reference Reynolds number at the stagnation line. To avoid confusion,
this particular evaluation of equation (6.6) was designated, RE’ and is pre-
sented in figures 6-7 and 6-8 as a function of altitude and velocity.
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D. Geometric Elements
1. Hemisphere

The laminar design curve for the hemisphere is shown in figure 6-9. Wall
temperature correcticus may be obtained from figure 6-3 and a radius correc-
tion by equation (5.9).

Turbulent design curves for the hemisphere are normalized by the laminar
value as described above.

Local referance Reynolds number, equation (6.6), at “he location of maxi-~
mum turbulent heating is presented in figure 6-10 in terms of altitude and
velocity for a hemisphere of R = 1 foot. The reference Reynolds number for
& hemisphere of radius R can be found by the equation

R = (R) R ) (6.10)

T MAX " MAX Reigt

where R is obtained from figure 6-10. The location of

T, ‘o

MAX,R = 1 foot
maximum turbulent heating is shown in terms of local reference Reynolds
number in figure 6-11. Local heat transfer coefficients normalized to the
meximm turbulent velues are presented in terms of the local angular location
in figure 6-12. A slight Mach number dependency is noted. Finally, the level
of turbulent heating is determined by figuve 6-13 which relates the maxirmum
turbulent heat-transfer coefficient, hMAx,to the laminar stagnation-point

value, tho Figure 6~13 is based on a correlation that is a function cnly of
the loccal reference Reynolds number, Rr » provided that the pressure distri-

bution in the vicinity of maximum turbu%é%t heating is based on modified
Newtonian theory, equation (2.4). For local reference Reynolds numbers in
the range 0.01 million to 1 million, the correlation for (hMAx/hSP) can be ex-
pressed by the equation.

h
_MAX _ 0.283 6.11
“hep " 0.0844Rry 5 o0 {(6.11)

Vorticity Interaction Effects on Stagnation Point Heating

Design curves for modifying stagnation point heating raters for vorticity
interaction are shown on figures 6-14 and 6-15.

The vorticity interaction parameter, I' , is obtained using the relation-
ship

T = F; Fy/VRe, (6.12)
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vhere F, and F, ave defined by figure 6-1% and

p. Vi, R
Re, =-—97Ij1—— (6.13)

The parameters in equation (6.13) were defined in Section II as follows:
p_ 1s cdensity,p 1s viscosity evaluated at stagnation conditions, 10 is
sgream total entﬁalpy, and R is the nose cap radius.

Figure 6-15 presents the ratio of heating with vorticity to heating
without in terms of the vorticity interaction parameter |'. Both the Non-

simllar-Boundary-Layer results and Ferri's results (reference 8) are shown
on this figure allowing the reader to apply either method.

2., TInfinite Cylinders
a) Swept Infinite Cylinders

Design curves for laminar stagnation line heat-transfer coefficients are
showp in figure 6-16. Circumferential heat-transfer distributions for
laminar flow are presented in figure 6-17 for sweep angles between zero and
80 degrees. Turbulent stagnation line heat-transfer coefficients presented
in figure 6-18 are normalized using the turbulent reference heat transfer
coefficient hRT' Circumferential heat-transfer distributions are shown in

figure 6-19 over the same range of sweep angles &s in the laminar case ex-
cept that the zero degree sweep (unswept cylinder) case has been deleted
from this curve.

b) Unswept Infinite Cylinders in Turbulent Flow

The method described under turbulent heat-transfer distribution on a hem-
isphere also applies to the unswept infinite cylinder although the charts are
different. The reference Reynolds number at the location of maximum turbu-
lent heating on the unswept cylinder is shown in figure 6-20 for an unswept
infinite cylinder 1 foot in radius. The differences between the infinite
¢ylinder and the hemisphere are primarily due to changes in Xq and are on

a,

‘the order of 2 to 2.5 times larger for the unswept cylinder. The local

: »fecence Reynolds number for an unswept cylinder of radius R may be found
20 equation (6.10) after R is obtained from figure 6-20.

TMAX R = 1 foot
Figure 6-21 shows the variation in the location of meximum turbuvlent heat-
ing with Rr . From figure 6-22 the turbulent heating distribution cen be
MAX
cbtained in terms of the msximum turbulent heat-transfer coefficient hMAX'

The lower curve in ’igure 6-13 relates the maximum turbulent heat-trans-
fer coefficient on an unswept infirite cylinder to the stagnation point heat-
transfer coefficlent of a hemisphere having the same radius as that of the
cylinder. For reference Reynolds mumbers in the range 0.01 million to 1
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million the correlation of hMAX/hSP can be expressed by the equation

b
MAX_ g.0613 R, 283 (6.14)
hgp MAX

Comparing equations (6.11) and (6.14), and remembering that R is 2 to

2.5 times larger for the cylinder than for the hemisphere, we see that turbu-
lent heating rates on an unswept cylinder are approximeiely 10% less than on
& sphere of the same diameter.

3. Sharp Flat Plates

Design curves for laminer snd turbulent heating on the sharp flat plate
are shown in figure 6-23. The laminar heat-transfer coefficient hFP L has
b

been computed for x = 1 foot. For turbulent flow the heat-transfer coeffi-
cient hFP oy is presented for x = 10 feet.
2

The wall temperature correction is shown in figure 6-24 and applies also
to sharp unyawed cones and sharp delta wings.

The distance correction, shown in figure 6-25 except for low angles of
attack; is glven by:

hx - (xrn/x)n (6.15)

hoy

where hx is the heat-transfer coefficient at a distance x and hm is the heat-
transfer coefficient at distance xm. For laminaer flow n = 0.5, xm = 1.0
foot and h = hFP . For turbulent flow n = 0.2, x = 10 feet and

m s L m

By = hFP,T'

The exponent on the ratio ( /x) is a varisble that is dependent upon the
reference Reynolds number, equation (6.6).

Figure 6-25 also applies to unyswed sharp cone and sharp delta wing
distance corrections.

4. Unyawed Cones
a) Sharp cones
Design curves for laminar and turbulent heating on unyawed sharp cone

surfaces are shown in figure 6-26. The laminar heat-transfer coefficient
hSC L on the sharp cone is for x= 1 foot and for turbulent flow the heat-
)
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transfer coefficient hSC T is for x = 10 feet. The wall temperature and
3

distance corrections are shown in figures 6-24 and 6-25 respectively.
b) Blunt cones

Design curves for laminar heating on an unyawed blunt cone having a
hemispherical nose cap are shown in figure 6-27. A noticeable "bump" is
noted in this curve just aft of the nose cap-cone junction. This "bump"
corresponds to the region for which perturbations in the pressure distribu-
tion have occurred as was shown in Section I1I, figure 3-1. These effects
damp out more rapidly at large semi-vertex angles of the cone.

Wall temperature effects are given by figure 6-3 for the stagnation
point region of the hemispherical nose cap and figure 6-24 for the coni-
cal surface.

Turbulent heating rates sre presented using the second method of Sec-
tion VI-B. The local reference Reynolds number at the point of maximum
turbulent heating on a l-foot-radius nose is deiermined using figure 6-10, For
nose cap radii different than 1 foot, modify Rr using equation (6.10).

Figure 6-28 presents local reference Reynolds numbers at & distance.l
fram the stagnation point. The ratio defined by equation (6.5) for blunt
cones is shown in figure 6-29. Absolute turbulent heat-transfer coeffi-
clents at the location S are then determined from the relationship.

hpe p) [ Pac,i bsp
bper =\ 1 h ) B (6.16)
’ BC, L SP o
where the ratio (hBC,T/hBC,L) is defined by figure 6-29, the ratio

(h /h.,) is defined by figure ¢-27, (h P/h ) is defined by equation (6.9)
BC,L/ "SP SP o
for the radius used to determine Rr , and ho is the laminar reference

heat-transfer coefficient shown in ¥§§ure 6-2,
5. Delta Wings
8) Sherp Delta Wings

Design curves for laminar and turbulent heating on a T0° swept
sharp delta wing are shown in figure 6-30. The laminer heat-transfer coeffi-

clent th L is for x = 1 foot, and tre turbulent heat-transfer coefficient,
2

th T is {for x = 10 feet. The wall iemperature and distance correction
)

factors are shown in figures 6-2L4 sad ©-25, respectively. Corrections for
the effect of sweep on centerline lLeating can be made using the curves of
figure 6-31. Spanwise heat transfer distiribution curves are given in
figures 6-32 and 6-33 for laminar end turbulent flow, respectively, in terms
of a ratio of local heat-transfer coefficient, h., to the coefficient at

the centerline, h€= 0°* The effective gamma useé for streamline calculations
was equal 10 1.2.
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) Blunt Delta Wings

Laminar heating design curves are presented in figure 6-34 for obtaining
values on the centerline of a 73°% swept blunt deltas wing. As noted in Sec-
tion III, nose bluntness effects were neglected and are not included on this
figure. Correction factors for sweep effects on centerline heating are pre-
sented in figure 6-35.

Spanwise laminar heeting distributions are shown ip figures 6-36 and 6-37.
As noted in Section III, these are seml-empirical distributions that have
been determined using date (reference 16) measured in proximity to equiva~
lent centeriine locstiions of S/R = 17 and 27, in conjunetion with theoretical
centerline heating rates calculated using the pr“r method, Appendix B, and

semi-empirical leading-edge stagnation-line locations determined using the
faired curve shown in Section III-B-2.

Leading-edge sweep angle influences spanwise heating distributions.
For the range of sweep angles of most interest in hypersonic flight (usually
between 65° and 80°) a first order approximation can be made using informa-
vion aveilable on design charts asppearing in this document. The following
procedure is suggested:

(1) At the Leading Edge

Establish a new stagnation line location using figure $-38 and effec~
tive sweep angle using figure 6-39. Determine the percentage differernce
between laminar stagnation line heating rates for swept infinite cylinders,
figure 6-17, having effective sweep angles corresponding to geometric sweep
angies of 73° and the one peing investigated. Shift the stagnetion line
location shown on figure 6-36 or 6-37 to the new value and modify the stag-
nation line heating rate ratio by the percentage difference in heating rates
previously determined for swept infinite cylinders. Construct a new dis-
tribution curve in proximity to the stagnation line using the slopes shown
on figure 6-36 or 6-37.

(2) At the Centerline

Modify the values at the centerline using the sweep correction curves
of figure 6-35. Construct a new distribution curve similar to the one shown
on figure 5-36 or 6-37 depending on S/R.

For leading-edge sweep angles less than 73 centerliine heating rates
decrease whereas the stagnation-line heating rates increase. For leading-
edge sweep angles greater than 73° centerline heating rates increase but
stagnation line heating rates decrease. For either situation modify the
leading edge distribution curve of figure 6-36 or 6-37 to intersect the new
lower~surface heating distribution curve.

To establish laminar spanwise heating distributions for centerline valwes

*This sweep angle was ehosen because the bulk of the delta wing models used
auring the X-20 test program had this sweep, and the data obtalned from that
program was used to substantiate the method and provide spanwise distributions.
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of S/R different than those shown on figures 6-36 and 6-37 the following
procedure is suggested. The value at the centerline for the S/R of interest
is established using figure 6-34. Construct ¢ new lower surface heating
distribution curve parallel to the one shown in figure 6-36 or 6-37 (using
the figure having an S/R closest to the one desired) until it intersects

the leading edge distribution curve shown.

Turbulent heating rates to the centerline of the delta wing can be
obtained using the second reference method which is similar to the procedure
used with a blunt cone. The reference Reynolds number at the location of
maximum turbulent heating on the hemispuerical nose is obteined from
figure 6-10 and 1s used in conjunction with figure 6-40 to determine tann
local reference Reynolds number on the lower surface centerline at & dis-
tance S from the stagnetion point. The relation between the turbulent and
laminar heat transfer coefficient is determined using figure 6-29. The
laminar surface heat transfer coefficient 1s related to the laeminar stagna-
tion point heat transfer coefficient by figure 6-34. Finally the turbulent
heat transfer coefficient hT is calculated by the relationship

hp = (p/hy) (y/hgp) (gp/hg) by (6.17)

where h_ 1is obtained from figure 6-2. The value for (hSP/ho) is determined
using equation (6.9).

6. Deflected Flaps

Design curves for meximum laminar heating or deflected flap surfaces
attached to sharp flet plates are shown in figure 6-41. That portion
of the curves that is dashed is outside the range for which the "upper
limit" theory discussed in Section ITI is applicable., Use of these curves
within the dashed rsnge should be made with caution. For a positive deflec-
tion the meximum heat-transfer coefficient hF may occur anyvwhere on the flap;

generally, if flow separation has occurred, hF is near the point of flow re-
attachment.. The heut-transfer coefficient hHL is the laminer heat transfer

coefficient calculated just ahead of the hinge line of the flap with the
assumption that no flow separation has been caused by the deflected flap.
The value of the hinge line heat-transfer coefficient hHL mey be evaluated

by sharp flet-plate heat-transfer methods, figures 6-23 through 6-25.

For a negative deflection, hF is an approximate heat transfer coeffl-

cient at the hinge line assuming that the expansion has already occurred.
Aft of the hinge line the heating decay follows the relation on the follow-
ing page
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h ~ @/x)" (6.18)

vhere n = 0.5 for laminar flow and 0.2 for turbulent flow.

Maximum turbulent heating rates were normalized using the laminar values
for the ssme local boundary-leyer conditions. This methodtis consistent
with the second turbulent reference method described in Section VI-B. Val-
ues are preserted in figure 6-42,

7. Surface Conditions

a) Waves

Heat tra;:sfer design curves for a particular type of roughness, shallow
surface waves, are shown in figures 6-43 and 6-4l, in terms of a wave height
parameter, F./ §*. The displacement thickness §* may be evaluated by the
use of the displacement-thickness heating parameter h8§%* shown in figure
6-45 and a value for the heat-transfer coefficient h for a smooth surface.
The latter is found using figure 6-23. The derivation of the product h § ¥
can b2 found in Appendix D.

b) Leakage (Mass Removal Through an Orifice at the Surface)

Leakage effects on sharp flat plate leminar heating at all angles of
attack in terms of the distance downstream of a leak are shown on figure 6-kL6.
The heat-iransfer parameter is shown in terms of a nondimensional heat-trans-
fer ratio and a nondirensional mass flow ratio, L, as defined in Section IV.

8. Control Surface Gaps

Design curves for laminar and turbulent heating at the most critical
location on a fin for representative tip-fin-elevon control-surface gaps
(figure 5-3, Section V) are shown in figure 6-47. This location is 90° from
the tip-fin shoulder. For the gaps rhown in figure 5-3 this is the point
of minimum fin-elevon separation. Meximum heating rates do net occur at
this lccation. However, maximum temperatures do occur if the structure is
radiation cooled, because the radiation view factor is at its minimum. For
a8ll of the gap shapes shown in figure 5-3 one design curve is applicable at
each of the two flight reference conditions. The leading edge radius of the
fin shown in this figure 1s equal to 1 foot. For radii different from
1 foot, corrections cen Le made to the heating rates using figure 6-6 for
turbulent flow and equation (6.9) for laminar flow where ho is the reference

heal~transfer coefficlent for a radius of R = 1 foot, and R is the fin
radius in feet.

ste of this method for this combination of two-dimensional bodies consid-

erably simplified the extrapolation-to-flight methods for this geometry that
are presented in Section VII,
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9.  Cunopy and Fin Leading Edges

Laminar and turbulent flow design curves for predicting canopy stagne-
tion line heating rates are shown in figure 6-48. The curves shown were de-
veloped using the method described in Section V-B. Heat-transfer-coefficient
ratios ere shown in terms of the true sweep angle (0 + \).

Velues for ho are obtained from figure 6-2 and hRT from figure 6-4.

The radius of the leading edge shown is 1 foot. For radii different from
this, a correction factor can be obtained using figure 6-6 for turbulent flow or
equatior (6.9) for leminar flow.

As noted in Section V, heating rates obtained using the above method
were also applied to tip-fin leading edges during the X-20 program. Figure
6-48 can be used directly for this geome*ry by allowing the independent var-
iable,(a + X),to represent the effective sweep angle, A p? of the fin
leading edge measured with respect to the vertical axis ﬁgrmal to the free
stream veloclty vector. This angle is defined by:

cos Ay = cos a (cos Bg1, cos (Y + B) cos A + sin Bgg, sin (Y + ﬁ))

+ s8in a cos Ogy, sin A (6.19)

where A 1s the fin leading-edge geometric sweep angle and 08L is the location
of the stagnation line as defined by:

sin () + B) (6.20)

tanes:[::cog(d)-fﬁ) cos A + tan @ sin A

The remaining angles are defined in the following sketch.
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VII. USE OF GROUND~-FACILITY DATA IN DESIGN

Ground facilities presently being used in the design of hypersonic
flight vehicles cannot simultaneously duplicate velocities and Mach numbers
associated with re-entry. Ground-test data, however, are required to obtain
detailed aerodynamic-heating distributions on complex configurations for
vwhich completely analytic solutions are not possible. To apply ground-test
data in actual design, it 1s necessary to correct for the effects of any
differences that exist between ground facility environment and flight con-
ditions. Several exemples cf effects that might be expected are discussed in
reference 28; a few specific examples are discussed in this section.

Also included in this section is a description of methods for correcting
wind tunnel dats to flight conditions. Charts are presented that provide
the required correction factors for those geometric elements which could be
investigated analytically. The purpose of these charts is to serve es a
guide in extrapolating ground-test data to flight conditions for complex
geometries. Since these charts provide a means of extrapolating wind-tunnel
data to"flight conditions, they will be referred to as "extrapolation-factor
charts.

All charts presented in thls section are based on the assumptions dis-
cussed in Section IT and do not account for chemical monequilibrium effects.
In addition, chemical equilibrium is assumed to exist in ground-facility test
sections both in the free stream and within the body shock wave.

A. Real-Gas Effects on Shock-Layer Properties
1. Pressures

Some effects of the differences between ground-test and flight-test
conditions on inviscld-flow shock-layer properties can be determined from
oblique-shock calculations for a two-dimensional flat plate. Real-gas effects
on sharp-flat-plate pressure coefficlents are shown in figure 7-~l1l. Pressure
coefficients in ground facilities having free-stream temperatures on the
order of 100 °F, are compared to pressure coefficients that would be obtained
et an altitude of 240,000 feet at the same Mach numbers. Viscous-inviscid
interaction and separated~flow effects are not considered in Figure 7-1.

At high angles of attack, pressure coefficients for flight are seen to
be iower than those in ground facilities at the same Mach number. This
reduction in pressure 1s primarily caused by the higher enthalpy schieved in
flight. At the higher enthalples of flight real-g.3 effects increesse the
density Jjump across shock waves which thereby tend to lie closer to the body.
Since the pressure experienced by the body is the reaction to flow deflections
caused by the shock, the smaller shock envelepe occurring in flight leads to
lower pressures on the body.

Of course, for highly swept shock waves, the downstream temperature may
be relatively low, even at hypersonic speeds, and so fall to induce any
appreciable real-gas behavior. This explains the absence of any apparent
differences in pressure coefficlents for angles of attack less than about 10
degrees.
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The conclusions drawn from figure 7-1 are not applicable to all geom-
tries, however. An opposite trend can occur on a trailing-edge flap deflected
into the stream, as illustrated in figure 7-2. At a 10-degree angle of attack,
flap pressure coefficients for wind-tunnel conditions are shown to agree with
those for fligh* conditions. When the flat plate is inclined at larger angles
of attack, however, real-gas effects become noticeable and are often opposite
of those for a flat plate. The departure from the flat-plate trend reflects
the effect of shock layer flow properties on the pressure jump at the flap.
The effective free stream for the flap is of course the flow within the plate
shock layer. Although the static pressure of the local flow is reduced by
real-gas effects, the aforementioned increase in the local density lesds to
a corresponding increase in the local dynamic pressure. As a result, the
pressure Jump 2t the flap is increased, causing the trends shown in figure
T=2.

The combined effect of Mach number and enthalpy differences on deflected
flaps is illustrated in figure 7-3. The curves shown are for two specific
wind tunnels and particular flight conditions, as noted. Negative flap
deflections are seen to csuse lower pressure coefficients in flignt then in
the wind tunnels, while positive deflections lead to higher values. Thus
it is seen that the effect of flap deflection is always larger in flight then
in the wind tunnel. Although figure 7-3 is drawn specifically for flat-
plate flap combinations, similar trends ave to be expected for flaps attached
to sharp cones or delta wings.

Real-gas effects on stagnation point pressure are relatively small, as
shown in figure 7-l.

2. Streamlines

The iack of enthalpy -imulation in ground facilities has an effect on
streamline patierns on swept infinite cylinders. The differences in the
local stresmline angle at each circumferential location on the surface of a
50° swept infinite cylinder are illustrated in figure 7-5 as a function of
totel enthalpy ratio. The local streamline angles were calculated using
methods described in Section II.

3. Boundary Layer Properties

In flight, dissociation may cccur within the boundery layer, altering the
temperature, density, and velocity profiles. A comparison of flight and
ground-facility gas-temperature profiles similar to those presented in
reference 28 are shown in figure 7-6 for a flat plate at a 20-degree angle
of attack. The profiles are shown as & function of 7, the nondimensional
distance normal to the wali. Considerasble differences are seen not only in
the levels of temperature but also in the ratio of pesk temperature to boun-
dary-layer-edge temperature. Part of the difference is due to the relatively
higher wall tempereture in the ground facilities and part to dissociation
in the boundary layer in the flight case.
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B i)

Displacement thickness is significantly affected by the changes in the
density and velocity profiles in the boundary laver. The effect on displace-
ment thickness 1s shown in figure T7-7. For the conditions indicated, the
displacement thickness in the wind tunnel is approximately 50% highe: than
in flight.

., Heating Rates

The resultant effect of the changes in boundary-~iayer characteristics on
heat transfer shown in figures T-6 and 7-7 can be illustrated by comparing
a normalized surface heat-transfer coefficient at ground-facility conditions
to a similar ratio at flight conditions. The resulting ratio, denoted by ¢
and specifically defined in figure 7-8, has been calculated for several
geometries. Values of { for a flat plate are shown in figure 7-8 as a
function of angle of attack for two different facilities. Free-stream
temperatures in these two facilities are nearly equal but the total enthalpy
and the Mach Number are higher in the shock tunnel.

Similar information for a deflected flap is shown in figure 7-9. This
figure illustrates differences in the heet-transfer parameter for & flap
that is attached to a sharp flat plate at a 20-degree sngle of attack.

Partial simulation effects on stagnation-line heat transfer for infinite-
swept cylinders are ililustrated in figure 7-10 as & funciion of sweep angle
for two different grouwnd facilities. Curves shown indicate that st large
swe2p angles opposite trends in the heat-transfer parameter can occur in
tunnels having different energy levels and Mach mumbers.

B. Extrapolation of Ground-Facility Heat-Transfer Test Data to Flight
Conditions

Calculations of the type just described have been made in order to provide
extrapolation factovrs that allow the correcticn of experimental ground-test
heat-transfer data to flight conditions. The factors presented are calculated

for the basic shapes discussed in Section II, but should serve as guides t¢
the corvection of data for more complex shapes.

The previously defined heat-transfer parameter { can be used to corvect
ground facility data to flight conditiors. For example:

wn (@ rn ()
L,FLT CL o, FLT ho WT

) - {1.1)
ht pLT = (“‘) hpT FLT (—‘“)
, O . bt/

For several of the basic shapes it was found that the major effect of
Mach number on { is due to its effect on pressure. Accordingly, a compress-
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ibility parameter A has been defined as follows:

n

A =[(p/pT2, f)wr (p/er, ‘)Fm] (7.2)

vhere P is the lccal surface pressure, PT is the stagnation-point pressure
2
on a reference body, the subscript WI denotes ground-facility streem
conditions and the subscript FLT refers to the flight reference condition.
The subscript f indicates a sphere in laminar flow or a 60° swept cylinder
in turbulent flow. The exponent r is (by definition) 0.5 in laminar flow
and 0.8 in turbulent flow. Using A , the correction of wind turnel data to
flight conditions is made for example as follows:

hy, FLT = o (%)L (_51?) (:—z) (7.3)

WT
Curves of A and §/A for several basic shapes are presented in this
section. For controcl surfaces extrapolation to flight conditions 1is made
with a single chart without the use of a compressibility parameter. The
basis for these charts is discussed in detail in the following sections.

1. Compressibility Parameter (A)

Compressibility-parsmeter charts applicable to hypersonic ground facil-
ities are presented in figures 7-11 through 7-18. Free stream temperatures
from 120°R down to the ligquifaction limit (which ranges from 60 °R to 90 °R
depending on the pressure) were considered. The effects of enthalpy differ-

ences on A for the range of ground facilities indicated above is small and
therefore not shown.,

2. Extrapolation Factor ({/A)

Extrapolation factors corresponding to figures 7-11 through 7-18 are
presented in figures 7-19 through T-29. Also included in the grovp is the
extrapolation factor for the hemisphere, figure 7-25. For the hemisphere,
Ais unity end {/A = {. This is consistent with the assumption mede in
Section II that the pressure distribution 18 conastant for all conditions.

The extrapolation factors were nomputed for the same range of conditions

as for A. The effect of Mach number differences on { / A for the range of
conditions studied is small and therefore not shown.
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3. Correction Factors for Deflected Flaps.
The heat-transfer method employed in the analysis of deflected f.aps is

approximate and the extrapolation procedure described in the above paragrephs
does not epply. Instead the extrapvlation is made with the equation

ﬁ:’_) = (ﬁ‘_ !
(hHL - ¢ hHL) (T4

FLT wT

The extrapolation factor § for specific wind tunnel Mach numbers is
presented in figures 7-30 and 7-31.
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APPENDIX A

SIMPLIFIED EQUATIONS

Simplified equations have been developed for modified Newtonian pressure
coefficients, figure 2-4, reference heat transfer coefficients, figures 6-2
and 6-4, reference Reynolds number, figures 6-7 and 6-8, and the local
reference Reynolds numbers at the location of maximum turbulent heating,;
figure 6-10 and 6-20. Heat-transfer coefficients have the units, Btu/ft“-sec-°R.

The pressure coefficient equation was developed for ¥ = 1.1 and does not
apply to wind tunnel conditions. All other equations for both wind-tunnel
and flight conditions were developed from numerical results using the Pp
method, Appendix B. The 1962 U. S. Standard Atmosphere defines the
flight conditions.

r

The accuracy of the equaticns in general 1s + L% or better. Simplified
equations applicable to wind tunnels have been developed in terms of free-
stream conditions instead of the more desirable stagnation chamber conditions
because difficuvlty was experienced in obtaining a simple form of the equation.
Free-stream conditions, however, can be accurately and easily converted to
stagnation chamber conditions using figure Al and equation (A15).

A. Modified Newtonian Pressure Coefficient

For a ratio of opecific heats equal to 1.1 the charts on figure 2~ can be
approximated by the following equation

1/2 2 .2

¢ L . M"sin® 8

B = 41,05 + [1.1025 + ———5—= - 1.278 M2t © (A1)
sin< § 1 5*[ 5"M“.s:l.naaj] Moo

B. Reference Heat Transfer Coefficient
1., Laminar
The reference laminar heat-transfer coefficient h_can be approximated

for wind-tunnel and flight conditions by the following“equations.

(a) Wind Tunnel > ‘
_ 0.004 - )o.s \ 1418 2012 (h2)
o RO’S FATN - o
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(v) niagnt

v () Ge) ()
(A3)

2. Turbulent

The reference turbulent heat-transfer coefficient, hRT’ can be approxi-
mated for wind-tunnel and flight conditions by the following equations.

(2) Wind Tunnel

Moy 0.0435_ P 0.0 NL.% 0,116
T R 0,2 ( . P"'A‘ mil") - Te (Al&)

{v) riight

1.67 P 0.78
hpp = ( o ) (

i <
b

)1’5‘. (T,‘. )"0082
100

- 0,437 (_ga_ )0~78(!nu_)1.5?o

PATM 0 (AS)

[y

k4




Equations (A4) and (AS) are applicable only for flow conditions where tur-
bulence is expected, and where the cylinder radius is near 1 foot. If the

radius is much different from 1 foot the (1/R O"2) term creates large errors.

An alternate method has been developed that uses the above equations as A base
and increases the accuracy to within + 0.5%. This method follows:

1. Calculste ho, with R = 1 foot using equation AL or AS.

2. Calculate a reference Reynolds number, RR’ using the method des-
eribed in C. below.

3. Correct hpn to the desired radius by using figure 6-6 of Section VI.

C. Reference Reynolds Number (RR)

The reference Reynolds number, RR’ is approximated for wind tunnel and
flight conditions by the following equetions:

(a) Wind Tunnel

P >Mo.937 -0.679

8/ "w
Rg = 2.65 x ) (I’A'm - T, R (A6)

(b) Fright

Vo < 13,000 FP3

P Voo\ 1M/ T ) -1.12
= 1.55 x 208(ca_ | = = R
RR % x ( ﬂuu>(1ot) ( 1 (AT)
Vo, =z 13,000 FP3
1.02 1.232 (”./PA-N)'O'Ow -1.0
RR=1.288x100(E—_-__ ) (v. > (.T:.) R
Pprm 10" 100

(48)
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D. Reference Reynolds Number at Location of Maximum Turbulent Heating (Rr )
MAX
The significance of the local reference Reynolds number at the location cor-
responding to maximum turbulent heating on a hemisphere and unswept cylinder
is that it is unique ani can be defined in terms of free stream velocity and
altitude. The approximate equations for Rr for both flight and wind tunnel
MAX

are accurate to + 15%. At first this appears as a poor approximation, but
Rr is only required to determine the heat transfer ratio hMAx and the

MAX

h
SP
location of maximum turbulent heating, GMAX' The ratic hMAX is not sensitive

h
SP
to Rr « For example, in the range where turbulent flow can be expected, a
10% change in R,  will result in a,2§ change in the ratio hy,. - The
MAX o
SP
location of maxinmum turbulent heating, eMAx’ is for practical design purposes

independent of “r .
MAX

1. Hemisphere

Approximate equations for the local reference Reynolds number, Rr for
MAX
a hemisphere have an accuracy of + 15%. These equations are:
(a) Wind Tunnel
P ,p
R . 1.2 x 108 (-[ am) y 0287y (A9)
rMAX vr.'o. 19 -
(v) Flight
V. < 13,000 FP8
S
R = Q.91 x 10 )| = —— A10)
TyMax AT 100
V. 2 13,000 FP8
1.02 . -0.048 .1.0
7( Ve 2R
R = 1.0} x 10 (-——- ) ( ( . ) R
MAX PATM I;K 100
(A11)
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2. Unswept Infinite Cylinder

The epproximate equations for the locel reference Reynolds number,
R , for an unswept cylinder have an ac:.racy of 15%. These equations ares
T
MAX

(1) Wwind Tunnol

. AT™
Rx- =2.3 x 10 -~ . 0559 R (A12)
(2) Fiight
V.< 13,000 718
'000"8
1«]. P P ‘00
MAX 100
10 (A13)

.2 13,000 Frg

. 0. 0.
Rex = 1-59 x 107 (P 1097, v ) 762 < T ) ™ 591 (a2)

3. Conversion of Free-Stream Conditions to Stagnaution Chamber Conditions

The free stream conditions Py and T, are generally difficult to measure
in & wind tunnel whereus stagnation chamber conditions can be obtained with
relative ease. The free stream temperature, Tg , can be related to stagnation
point enthalpy through the energy equation and becomes

H \

T, - X . S ( 1 ) {A15)
cp cp 1+1I—‘2-'-ll‘1‘.2

b7

e A AN A Y- SRR, o S b Tamen 72

e ez




where
cp = 0.2k B‘I’U/lbm R

Equation (Al15) applies if the wind tunnel free stream flovw has reached

chemical equilibrium. The stagnation point pressure can be related to the
free-stream pressure by figure Al

Environmental limitations of approximate expressions for wind tunnel and
flight conditions are shown in table Al.
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APFENDIX B*

LAMINAR AND TURBULENT Q) g, HEAT TRANSFER METHOD

The P, MY, method used for theoretical predictinns throughout this
report was developed by Richard A, Yanks in the course of the X-20 progras.
The method is based on the integral form of the boundary layer momentum
equation. This equation is transformed into an equivalent incompressible
forx that is then solved to yield a generaligzed equation that includes
the usual boundary layer ti:ickness and form factors as undetermined func-
tions, For laminar flow these functions were evaluated by equating the
generalized equation to exact numerical solutions of the differentiai
equations for self-similar boundary layers. Two apparently universal
boundary layer functions wore evaluated that allow a general heat transfer
equation to Le written that sgrces with essentially all of the exact
similarity solutions to within about 3 percent, including the effects of
f1luid property variations, finite streamwise and crossflow pressure
gradients, and streamline divergence. The two functions are:

1. a reference value of the density-viscosity product Py iy
that depends only on the density-viscosity products evaluated
at the wall, edge, and stagnation enthalpies, and

3. a boundary layer profile parameter, I" , that depends only on
the density evaluated at a iinear combination cf the wall, edge,
<.id stagnation enthalpies.

No analytic derivations for these functions have been found, and all results

in this report were calculated with the aid of curves given in this appen-
dix. Recently, however, simple expressions have been found that agree
closely with the plotted curves.

The extension to turbulent flows was guided by the laminar reeults,
physical considerations, and comparisons with experirental results, The
functions Py and I' are retained in the turbulent flow nethod, and
are equal to the laminar vaiues, MHowever, the cxpressions used to calcu~
late the heating are of course sumewhat different, and so tbe affects of

Py b and on the heating rate are also somewhat different, The
genera{ form of the basic momentum integral equation allows turbulent
flow heat transier data from different sources to be compared on a cons:s-
tent and e 'stemetic basis, During the X-20 program extensive comparisons
to experimental data wers made in which no data were consciously ignored.
The method dercrikted here reflects those comparisons. Although the
derivation given is reatricted to the vicinity of a plane of symmetry,
the resulting expressions have been applied to infinite cylinder distri-
butions with good results.

The foliowing discussion describes the method as it is now programmed
for digiial computers and as it was used in the preparation of the prosent

report. Some modifications ol the meihod have been made under NASA contract

#This appendix is based on Appendix B of reference 16,
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NAB8-11321 which are not included in the present c.loulations. These
modifications are primerily for flow conditions other than those of the
date discussed in this report, and do not lead to appreciable numerical
differences here, Further information regarding the later modifications
may be obtained from reference 29. The following description of ths
derivation and application of the method is in six parts:

1, Derivation of a general form of the boundary layer momentum
integral equatioen,

3. Trunsformation of the integral equation to an equivalent
incompressible fornm,

3. Correlation of exact laminar snlutions.
4, Evaluation of turbulent boundary layer parameters.
8. Combined laminar and turbulent method,

6., Bummary of method.

Derivstion of the Momentum Integral Equation

A derivation of the boundary layer momentum imntegral equation in a
general curvilinear coordinate system will mow be given, The derivatioa
is restrictod to the vicinity of a plane of symmetry as weil as by the
usual boundary layer assumptions. A control volume is defined as showa
in the sketch below:

,W

: X, 0
N : vl
~L A

~\//Y"Ay
é//\x.\xl*d“
&\ o
TR
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The length elements in the x and x directions are unity. However, the
length element for y is determined by the function g = g (x), which

is considered arbitrary (subject to the restriction that dg/dx remains
finite). Later it will be seen that in some cases the most convenient
choice of g is determined by the shape of the body under consideration.
The height of tihe control volume, h, is constant and must be larger

than the boundary layer thickness but is otherwise arbitrary, The surface
y = 0 coincides with the straight streamline; hence v = O when y = O,

However, v is not necessarily zero nor ever constant on any other surface
of constant y,

Mass conservation.- The mass entering the control volume through the
surface x = x; is given by:

h

Ay sf pudz

0 X1

The mass leaving at x = x,.+ Ax 18 given by a similar expression.
Bxpanding in a Taylor series, and retaining only the first order term
ylelds:

h
Ay sf P u dz
0 x1+4Ax

h h
=Ay gf p udz +AyAx-3; gfo pu dz (B1)
0

X1

so that the mass remaining within the control volume is:

h
ayax g [ pua (82)
x 0
Applying this technique over all six surfaces of the control volume, and
requiring steady flow, yields: (B3)

h h z=h
2 d L d Ayfo W] =
AXAY’X gj; pu dz|+ AxAy’y j(; p vdz| + gAx y[P ]z=0 0

Bince w(0) = O there results in the limit as Ax and Ay approach zero:
h (B4)

h
-,!;;‘- j; pudz +%§§ _’;

19 h ]
pudz *E;‘; I pvdzl+py, W, =0
0
-l
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;E_-mome_ntum.— In a similar manner the following expression for x-momen-
tum 18 obtained:

2 Ih 2y 2 fh d [ =t
g pu dz P puvdz t glpu J
ax dy
0 0 2=0
[ z=h N o
= T - +
8 .]Fo h o~ [sp] hp > (85)

Combining equation (B5) with the previous result for mass conservation,
and noting that T(h) = O:

h h h
2 ]
"";EJ;pu dz '“e;!; gJ. pudz]+ ;‘}j fpv(u-ue)dz
0 0
(L
=-gT, -hg—'% (B8)

Introducing the usual boundary layer thickness parameters:

h
momentum thickness 2
o-[ £ -‘1-..(-“-) & (®1)
0 Pol% \Ye
displacement thickness h

o‘:fo

1 - _&.‘_‘l.._ dZ
Pg Yef.
crossflow momentum thickness ratlo

E.g.- 1 _u_( __U.)dz
8 6 PeVe ug

leads to the following expression for Ax and Ay approaching zeroi

T u * 0w W
w2 a1 e 2,,2.) +_1_._.g+1m+§_1___¢1)
2 & ug  ¥x 6 Po ¥  g\ix 8 uy ¥

(B8)
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Definition of g(x).- Since the definition of g is still arbitrary, it
seems desirable to make a definition that will simplify equation (BS) if
possible., It might appear that If g were selected such that v_ w ¢
1.e., atreamline coordinates) the last term would be made rero also. Buch
is not necessarily the case however, since veg 1is a divisor in the
definition of E . It will be seen that in the limit for small y, the
product

t A

25
ay

vecomes
1 h
_J‘ ev (, i _“_)dz
y 0 pe ue

An additional condition, @§v. / dv m ( does cause this term to go to rero.
An examination of the complete boundary layer differential equation stows
that 93v / sy ® (0 occurs only if

w/ay = 0

and
Zphyt =0

These conditions are met only if the body is: 1) two-dimensional, or 2)
axisymmetric and at zero angle of attack. 1In both cases the surfaces y =
constant follow streamlines if g« r , the lnocal body radius, In the
case of an axisymmetric body at angie of attack the streamlines will not
follow surfaces of constant y however, The additional div‘ rgence is
denoted by f, defined by

U T S WA/
f x Ugg dy

where v_ is measured with respect to the y, x coordinate gystem, In terms
of r and £, equiation (B8) becomes

(B9)

T u . P
Wz.%g-u,‘ —l—ﬂ(z+%—)+-1—!-—94%—5+§(1!—f-) (B10)
Pq g ug X
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Physically, the term r may al.o be thought of an streamiine divergence due
to body shape while the term f represents atreamline divergence due to
transverse pressurc gradients. The quantities r and f are related by

rfs A (B94a)
where A 1is the total distance between any two streamlines, In the absence

of transverse preasurc gradients the final term in' equation (B10) will be zero.

Transformation of the Momentum Integral Equation

In order to obtain a more useful form of the momentum equation(BlO) a
modified Stewartson transformation sugpested by Mager (ref

. 30) ia adopted 1in
which: X

P
X = I F _.!.!.‘.! dx
Y= (B11)
Z = f "Q' du
U= u/l"
V= V/F

where X, Y, 2, U and V are the transformed coordinates and velccities. The
stagnation values of density and viscosity, p, and p o) 8&re required to be
constant, and F is an unspecified function of x only With these definitionms,

the momentum thickness, skin friction at the wall, and heat transfer rate in
the transformed coordinate system are respectively.

i 2
LA Pe
Q- f (U -(Uu) )dz = F . ] {Blla)
- p
W (aea)
W F \p

aw 4':; (Po l‘o)

Pr Py

The transformed nomentum intogral equation bhecomes

T, p
""“!L“'=l"d (%po 8) poﬂ[A,"“(U F)#-“l““‘g
pouez L Po Ue F X P, X
1 dr L df
2 oL = o B12
+rd)\'E[li (B12)
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*
6 -
in which A = 2 ) (A and E are unchanged by the transformation),

Solution of the transformed integral equation.- It is assumed that
the local friction coefficient in the transformed plane is given by

T, C
w m
- (B13)
l’o“e2 (poUe Q)I/m
Ko

Equation (B13) is substituted into equation (B12) yjelding an equstion
of the form:

1
Pirwe -0 "ex (B132)

which becomes a linear first order equation with the change of variable:

mrl (B13b)
0=0"
The selution obtained is: (B14)
A1y A E 1/m
?w Cm [ ] r “O
2 " 1
Pols A mtl |9
X ]% A(ml;l) 1 (A-l)m';I = \m m
fon s stes = ()
In the untransformed physical plane, (B14) 1is:
1Im Avm-]
c ™ m (rfﬁ)l/m
v, mbo  Prhr (B16) :
ue A :
1- A(m+1)-1 mil o '
i ' _;:1‘. m By ™ ‘)
fcm(M) By Prly ug (rt ) dx
0 m
Neither p _ nor F appear in this aguation, and their definitions are

therefore (lmtornl.
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Remembering that C,. , ®, and f, are assumed to be independent of x,
and defining

g .
m+l /f m \m+il
c. =c (—-—)
X m
m+1 (B16)
m+1
m
G=pPph T
{Bi5) can then be reduced to:
1-m m
c 1+m
T_v_l_ - ¥ Ko [pr “r“ql
. —  (B17)
X m+l 1
—_—— m+l
1 E A
m+1 f G\f 2} dx
E A-1
G fE ugy m

Noting that the quantity within the brackets in the denominator on the
right hand side haa the units of length, we can deﬁhnf

1 1 k) m (B 18
+1 ’ - dx )
m G(fE A 1)

— m Ue
8 = - 0
eq GfE A-1

1
where the subscript 1 indicates evaluation at the current point of

interest x; . All effects due to flow three-dimensionality, streamwise and
transverse pressure gradients, and upstream history are now included in
Seq , 1t pr“r is assumed to be independent of these phenomena (the
validity ox thia assumption will be demonstrated subsequently), Thua Beq
oan be considered to be '"the equivalent flat plate distance” for skin
friction at the point of interest xl.

With (B18), (B17) can be rewritten:
m

‘m+l
eq ! (819)

—

TW=CX“0 pl‘“l‘ues

e Soq K
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which is identical in form to the corresponding expression for low speed
flat plate flow,
m

T —_—

+1
s 'y L Re,e m (B20)
ue x

One approach to the solution of a boundary layer integral equation, such
as developed in the preceding analysis, involves the assumption and inte-
gration of boundary layer profiles to obtain the required boundary layer
thicknens parameters (see, for instance, Beckwith and Gallagher (ref. 31)).
In that approach it 18 necessary to derive the energy equation corres-

ponding to (B18). An alternative method is used here, wherein s general
form of Reynolds analogy is assumed

(n21)

It 13 of course well known that the Reynolds analogy factor J has the value
unity for constant property, unity Prandtl number, flat plate flow, It
will be subsequently demone:irated that, in the presence of more realistic
gas properties, is for laminar flat plate flows still a function only of
the Prandt]l number and (in dissociated flow) the lewis number. For conve-
nience denoting these flat plate flow functional relationships by F

and ﬁ{ respectively, (B21) is rewritten Pr
T

Yy = X___ w (n2z:
Fpr 8 llc

where the fectocr 5 incorporates all effects of flow three-dimensiocnality,

ltreamige and transverse pressure gradients, and upstream history on
Reynolds analogy.

Combining (B17), (B18), and (B22),

1-m m
s C l+m( ()mﬂ
ot xlo ket (B23)

F Pr 8 -'ITI
(Seq)“

Bince 8aq includes all effects of flow history and pressire gradient on
skin friction, and 3 performs a similar function on Reynolds analogy,

the definition of an equivalent distance Zor heat tranefcer suggests itmelf.
Accordingly, we define

159

© o e s AT e DAV ORI

- w——

P

PP ]

£ dad et dr i <ot




5 @a-p\=t
m+1 xl G(IE ue( = )) m
Xeq = S f - ——— dx (B24)
0

leading to a general expression for heat transfer of the form

m/(m+1)
=Cx'x Bo |Pe Br Y Xeoq

(B26)
Fpy Xeq 7} 02

H

Means of evaluating the various parameters appearing in (B25) are presented

in the following sections,
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Evaluation of Laminar Boundary Layer Parameters

Exact solutions of the similarity form of the laminar boundary layer
equations were used to cvaluate the parameters appearing in equation (B25).
This was done ip sn orderly manner, beginning with two-dimensional constant-
property constant-pressure flow, and progressing to the most complex condi-
tions for which exact solutions are available. The evaluations determined
from the simpler casecy were retained or amplified in ‘analyzing the more
complex cases. Thus, the constant C for laminar flow is always taken to
be 0,33208, the value given by Howarth in reference 32 for incompressible
flat plate flow, The ¢ffects of pressure gradients, wall cooling, etc,,
are accounted for in other terms of equation (B25).

In some cases alternative definitions were possible. For example,
the authors of references 35 and 38 incorporated (in effect) pressure
gradients into the term Pr ly appearing in equation (B10), while in
the present formulation such eifects appear in the equivalent distance,
Xeq: The latter definition is to be preferred as the former cannot be
made consistent with the results of reference 33, which presents solutions
for various pressure gradients, but with pu held constant, The defini-
tions used here were adopted only after an examination of several possible
alternatives. The criteria for sclection were consistency between the
results of the various special cases, consistency with physical considera-
tions, accuracy, simplicity, and freedom from interdependencies.

General considerations.- As a matter of physicel consistency, it is
required that if the fluid properties p and yu are constant through the
houndary layer, the reference values of the fluid properties be equnl to
those constant values. This principle i8 extended to constant products
as well, 1,e,, it 18 required that wihen in a given numerical calculetion,
e.g., references 33 and 34, the product of density end viscosity is held
constant at sor> base value (usually the wall) the reference density
viscosity product p. u, must also be equal to that base value, The
functions Fpp and are equal to 1.0 when g and Le are equal to 1,0, and

€ 1,0 for idesl guses, Also, in flat plate flow the equivalent distance
is equal to the phyaical distance from the leading edge,

Two-Dimensional Flat Plate Flow

The special case of two-dimcnsional flat plote flow is examined first
since the effect of fluid property variations wiihin the boundary layer
can be examined without the additional complexity of streamwise variations,
For the case of conatant fluid properties the snlutions of Howartk show
that m = 1 and ¢, = .332, so0 that equaticn {R25) hecomes
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1/2
s Touu
e S L LA (B26)

Fpp xeq

Py gy u, |1/2
= .332 ‘;( 8 o ¢ (B27)
I'l)r X

where (B27) follows from the principles stated undsr "General Considerations”.
Yor this specisl czse the only undetermined quantity is the Reynolds

analogy factors X and FPr . Note that the refereiice stagnation viscosity,
“o ., Mo longer a,pears,

Reynolds analogy factors,.- The Prandtl number afifect on Reynolds
analogy in flat plate flow, usually given as Ppy = G /3 for constant O
is slightly better represented by o -645 as may be meen in figure (B1).
Pollowing the practice of reference 35, for example, the Prandtl number
effect 18 correlated in terms of ¢, the partial Prandtl pumber for
translation, rotation, snd vibration.

For variable Prandtl number there is an uncertainty as to which value
should be used in correlating its effect, All solutions in the literature
for which the Prandtl number is varisble also iuvolve variable py,
so that p U i not necossarily equal to pe“e . Yor such csses 1t
was found that the Prandtl number should be evaluated at the enthalpy an¢
preasure corresponding to P M. . This value of the Prandil number is
hereafter denoted as 0, . 'i‘ho adequacy of this evaluation is demonstrated
by the agreement of the three sets of calculations presented in figure (B1),
which alsu servas to establish the lack of devendency of Fpy on anything
other than 0,

With the Prandtl number effect correlated in terms of the partial
Prandtl number the effect of energy transport by diffusion must be treated
separately, This effeoct was first calculated Ly the cuthors of reference 38,
wherein the expresaion

q
Le #1 f
X=———-———=l+(l.e'62-l)—[‘)"§' (B28)

i
éheﬁl 8

was found to agree well with exact solutions for Le = 1.4, in stagration
point flow, 1In high Mach number flows, however, equation (B28) may prediot
a significant diffusion effect under conditicns for wkich no dissociation
actually exists, since the temperatures within the boundary layer ai'e always
well below the stagnation value. To avoid this inconzistency, equatjon (B28)
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was modified to operate on the local static enthalpy, rather than the
stagnation value. The modified expreseion,

i
L-14+ (Le -52 _y -—1—': e (B29)
e

of course reduces to (B28) for stagnation point flow. Equation (B29)
was used for all calculations in the present report, although later
publications, reference 37, for example, indicate thst equation (B29)
overestimates the heating rate by 5 to 10% in some cases.

Reference density-viscogity product.- The reference density-viscosity
product was first evaluated for zero Mach number with various degreesn of
wall cooliag using the solutions of references 36, 38, and 39, snd some
unpublished solutions by Hulvorson and Cassmever of The Boeing Company,
as shown :in figure B2,

For edge Mach numbers greater than zero it was found that the reference
density-viscosity product p. M, can be represented as a function only
of Pole ,p My and Pgt Bgr where the latter is the density-viscos-
ity product evarhated at stagnation enthalpy but the local presaurs, Using
the solutions of references 36 and 38 an effective edge value of pjy was
determined thet allov's the use of figure B2 for Mach numbers other than
zero. The effective p y product (pe M) £f was found to be a function
of p 1 Bgr o and pPgo Mg , only. The curve that defines this relation is
glven §n figure B3 (a). All of the solutions discussed so far are well
represented by the faired curve of figure 382 when plotted against pelle elf
o8 mpry be seep in figure B3 (b).

. Bubsequent investigations described below have shown that pyp My
is independent of pressure gradients, The values of py Hr obtained from
figures B2 and B3 were used for all calculations appearing in this report.®

Pressure Gradient Effacts - Similar Flows

Referring to eguation (B25), and recalling the earlier comment that
Cx, = ," Fpr and 3( are by definition tsken as the flat plate values it is
seen that all preusure gradient effects are reflected in p, Uy and Xq
These effecta can be evaluuted for similar flows from the solution published
(for example) in references 33 and 38, which consider streamwise pressure
gradients, and references 34 snd 37 which consider cross-flow pressure
gradients.

*Recently some simplc expressions have becn found which approximate
curves of figures B2 and B4 closely. The expressions are given in the
final section of this appeudix,
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Beginning with the simplest possible caese. two-dimensional flow of
an ideal gas with Prandtl number of one, and the viscousity proportional to
temperature, the equivalent distance effects can be isolated. Since PM
is always equal to pPg Hgs PrMér 1is also equal to pgHe . (Note
that p 4 is not necessarily constant through the flow field, but varies
with the local boundary layer edge pressure.) Vith these values incor-
porated, the equivalent distance expression (B24), is reduced to

X1
[ ug) ua2A-1) ax

-gt (B30)

[(P ue) uez(A~1)]x

x
eq
1

In equation (B30 the tern(l’uﬂ)reflectl thﬁ(XE{YCt' of upsatream varistions
in PgHglug while the terms 83 and uq account for local pressure
gradient effects on the boundary layer proiiles,

Equation (B30) can be evaluated if S and A are known, and although
latorious, they could be determined from the numerical solutions. For-
tunately, specific evaluation of these parameters has proven to be unnec-
esmary, since a convenient simple correlation has been found for the
oombined effect of 8 and u,A’l, which may be written as

X X
P “1 ® ug) (u,2a-D) ux 1 1P, dax -
0 [ ugugan] 1o TVE o Py

1

where B 1a the dimensionless pressure gradient parameter similar to that
defined by the authors of reference 33,¢ The profile parameter I 1sa
singlo valued function of a mean boundary layer density, Pm calculated

by

Pm 2T,

—

= (B32)
pO (Tw + To)

Subsequent investigations of exact solutions for nonunity Prandtl number ~ad
nonlinear viscosity laws have shown that expressions of the form of (B31)
are valid for these more complex conditions as weil, either for tvo-dimen~
sional flows with streamwise pressure gradients, or for yawed cylinder flow.
The oxpressions finally developed are:

*The definition of B 4s given in equation (B841),
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(p r [ 1)ﬁ = (p »* ur)ﬂ =0 (033)

and a generalization of (B31)

 TRLI P
SRS U Y el B3
eq, b Jy —_
' 0 l SEL
. 2
‘l[ x[
where JL is given by ’
_ Ja ] ovB (B35)
JL = [l + FB ﬁs]“r <]

and

Ep, = [1 + T, ﬁ:]ar“‘/ﬁ—c (B36)

"_ 11t " _n

where the subscripts "8 and "¢’ are introduced to distinguish between
streamwise and crossflow pressure gradients; it should be noted that Jj
is concerned only with streamwise pressure gradient effects and E only
with crossflow effects; also note that Jj = 1.0 for f, = O and EL

= 1,0 for f, =0,

The function [ 1is given for either streamwise or crossflow pressure
gradients by the curve of figure B4 as a single-valued function of a
parameter 2 defined by:

[ (27T
8 m,s8 (BS?)

z @),

y Pm,s

for streamwise pressure gradients, and as

r = pe.SL = (@ 'T)m.o (B38)
¢ Pmo (T, g,

for crossflow pressure gradients, The subscript "' denotes evaluation
at & mean boundary layer enthalpy, defined by:

1
ty s = 3 U+ 1y (B39)
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and

l fg Hg
Pobe

1
im,o Y (ig, g1, *+ 1) * .208 (Ig - g gL) Oy

Tae second eyuality in equations (B37) and (B38) follows from the condition
of constant pressure across the houndary layer (all evaluations are made

at the lozal pressure). Again, (B37) through (B40) are the gzeneralizations
of equation (B31) and (B32) .

While figure B4 and equations (B34-40) were developoed solely on the
bagis of providing the best fit to the available data within the framework
of the form of oquation (B31l) the obvious simtlarity of (B39-40)to the
various reference enthalpies appearing in the literature provides some
analytical justification for these correlations,

The streamwise pressure gradient parameter f g 18 herein defined as:

! d (In u,)
= -8 Xeq. 1) . e
BS =2 lg L ( X ) d {in x) @41

With a minor modification to the definition of Xg, 1, (to be discussed

in the next section), it is easily shown that this definition of ﬂu

is identical to the corresponding parameter of reference 37. In the present
report ﬂc is evaluated only for yawed cylinder {low, in which case f¢ =
1.0, also consistent with the results of refereace U7. Except as otherwise
noted in the text, a valne of unity was used for all leading edge theory
calculations, while a value of zero (corresponding to E = 1.0) was assumed
for lower surface theory calculations,

The exponent @& in equations (B38) and (B38) is given by

a = ,090 (M) B42)

Pw By

which is also basod on fits to the solutions of references 33, 34, 35, and
37, The accuracy obtained through the use of equations (B33) through

(B42) 1i»s illustrated in figure B5, wherein solutions from references 33
and 37 are presented in terms of f and I ., As may be seen by comparing
the spread of the individual numerical soiutions with the indicated error
band, the present method provides excellent agroement with all solutions.
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Application to Nonsimilar Flow

The equations presented in this section have all been developed from
siuilarity solutions to the Loundary layer equatiois, and so are strictly
applicable only in those situsntions for which similarity applies, However,
based on discussions given in references 37 and 38, it is to be expected
that the sawe correlations could provide good estimates for nonsimilar
flow conditions as well, provided their streamwise variations are taken
inte account, This has been done by imcorporating the factor "L
appearing in equation (B38) into the integrand., The expression for
equivaleat distance them becomes:*

X - —
eq,L JLz

It is easily seon that for similar tlows, wherein Jj is constant, (B43)
redaces to (B34) ., Evaluated for two-dimensional fiows (f & 1,0) the
uso of (843) 1n (BI)) resuits in a definition of P, identics) to that of
reference 37, while the use of (B34) 1n (B41) provides a value of p 4
that corresponda to the "looal similarity" approach of referonce 38,
wherein the upstream history of profile effects are neglected (that is,
the boundary layer profiles are assumed to adjust instantaneocusly to the
loocal pressure gradient),

Rquation (B43) assumes the crossflow parameter Ej, to be independent
of streamwise pressure gradient effects; however, the presernce of the ﬁ'
acrossflow terms in the resulting definition of f s provide a coup\\uuz between
the transverse and streamwise pressure gradient effocis, as might be
expected, The overall effect predicted i1s in qualitative agreement with
the results ol reference 40; unfortunately, the difficulty of relating
the correlating parameters of that reference to the present system has
80 far prevented quaniitative cowperisona.

FPinally, for the general case of curved streamlines (1,e,, away from
a 1lue of symmetry), it is assumed that the foregoing analysis and correla-
ticns are valid if the distance parameter x js taken tc be measured along
the siveumline, As previously noted, the cefinition of f , for the general
case 1a obacure, and all caloulationi herein cther than ieading edge valves,
have been aade on the bauis of f, = O (K =1), which corresponds to the
"zero crossflow” method of reference 41 as far as three-dimensicnal effeots
are concerned, All present calculatiops do retain the effeot of atriamwiae
pressure gradisats, however,

*Note that by these definitions @ _ and Jj, are interrelated, s
that an iterative method is required for their evaiuation, as also stated
in reference 37,
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Turbulent Flow

There sare ro exact caloulations of turbuleat boundsry layer flow, so
that a dovelopment of the type Just givem is not possidle., However, aqua-
tion (B28) still serves to ideatifty the important parameters, and provides
a basis for conmsistently comparing experimental results. In particular,
the trans’ormation introduced with equations (B10) and (B11l) allows an
empirioal incompressible skin frictiom law to be used im place of the
(nonexistent) exact flov solutions, As stated im the section "Transformatioa
of the mowentum integral equation,” the tramsfermation used is based on
the work of Mager, reference 30, A discussion of the reasoning behind
the transformation itself is given im his paper. The preseat method departs
from the suggestions of Mager, however, in the evaluation of the virious
boundary layer parametiors, NMr, Hanks was guided in the evaluations by the
Values of the corresponding luminar parameters, an approach which tras
suggested by the very successful results of the first such attempt, wherein
the lamimar values of P U, werc ased without modifiocation for turbulent
flow, The resulting prodiotionv wers in excellent agreement with recently
obtained free flight data, some of which (notably, that from the X-18
progran) vure not in agreemeut with any of the well known methods.

Mr. Henks was also guided by the requirements of a design project,
and so was constrained to make conservative approximations where approxi-
xations were required, Thus, the effects of stresmwise and tratiave:se
pressure g-adients on the turbulent bourdsry laver proiiles were included ia
the caloulations, even though it wzs known that the effects were smgll and
could only be orudely eatimatsd, The available evidence indiocated that
such effeots would incraase heat transfor, 9 that neglecting them would
be unoconservativs,

Incompressible flow friction law.~ In order to determine C; and m a
formula for skin frictiom in incompressible turbulent flow is required,
After a survey of proposed incompressible friction formulas a minor wcdifica-
tion of the Bchultr~Grunow (ref, 42) equation was seleoted:

Cg = 10 2,684 ®B44)
[10330(3e + 3000) *

The modification that was mede is the addition of the constant (3000) te
the Reoynolds number that appears in the denominator, This modificatica was
made because Mr, Hanks felt that the high values of Cf predicted by ‘he
unmodified equation at Reynolds number bhelow 10‘ were not realistio i1

view of the well supported predistion of stability theory that the incom~
prépaible laminar boundary layer is stakle st Reynolds less taan about
60,000,
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The modified and unmodified expressions are shown {n figure B8,
together with some other proposed methods. As shown, there is little
difference between the various methods, except that the Blasius equation
falls low at high values of Reynolis number. Equation (B44)was originally
selected because of its slight conservatism, although any other expression
could have been used.

The form of equation (B44) does not lead itself to calculations in
the framework of equation (B23) due to the variation of ® with Reynoids
nusber, However, comparisons have been made that show that m=4 is an
adequate approximation for evaluating geometric effects, For example, if m
is svaluated at particular vslues of Reynolds number using equation (B44)
the following comparisons are obtained:

1

m = h
Re d (In Cp hcone hcylinder
d (in nee) flat plate hcyllnderon=4
]
10 3.48 1.20 .99
4.2x10° 4.0 1.17 1.00
106 4,34 1,16 1.00
108 8,12 1.11 1.01

Thus the effect of varietions in m is seen to be small, Accordingly,
m=4,0 has been selected for the calculation of geometric effecta (e.g.,
bcone/Briat plate) used herein, However, for actual calculations of C
equation (B44) was used as there can be considerable error in m = constant
approximations for absolute values of Cy. An examwple of such a friction
Jaw is the Blasius methnd, for which m = 4, As shown in figure B8 the
Blasius equation falls well below the othe: methods at high Reynolds
numbers,

Donsity-Viscosity productj Reynolds Analogy Factor.~ As already noted
the reference density-viscosity product for turbulent flow is taksn to be
the laminar value. This basic identity was suggested by the fact that Oy
appeargz only in connection with the laminar shear terms of the turbulesmt
boundary layer equations.* It is also assured the effects of Prandtl
nusber and Lewis number on turbulent flat plate heat transfer are atso
identical to the laminar values. The use of the laminar flow Prandtl
number effect im common practice, The use of the laminar flow lLewis number
affect is thought to be a conservative upper limit,

*B8ee, for example, equation i3 in reference 30,
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Relerence stagnation viscosity.- 8ince the reference stagnation vis-
cosity o does not appear in the laminar equations, no information regar-
ding its dvaluation can be obtained by examining the laminar solutions,

The reference stagnation viscosity is sssumed by Mager (ref. 30) to be

the viscosity evaluated at stagnation conditions, For real gases with

the viscosity dependent on the pressure it seems more realistic to consider
the local flow composition rathor than the composition corresponding to
stagnation conditions. Accordingly M, is calculated witk the Butherland

law and MUy using the value of specific heat corresponding to Py hr
The result is:

_ (g 3/2[ T, + 200 (B45)
“o ”r \i ig
r T, () + 200

ty,

Pressure gradient effects.- As in the laminar case, pressure gradient

effects aprpear primarily in the equivalent distance, which (for m = 4) {s
given by:

f5/4 ET " 6/4 (A-l) dx

"1 =& | e @4e)
oq, T -
0 [G'r (/4 Bt “em (A-i)]

Xy GT

X1

It i» assumed that there exists an analog to the laminar correlation
(equation (P43)) of the form:

6/4 ET
1 X1 Gp ¢ Jr dx @47)
Yoq, T " 3,3 f €/4 K
¢ Gyt
n

1t is to be expected that:

/6 /2

g - 00 << gy - 0
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which expresses the well known fact that pressure gradient effects on
turbulent heat transfer are much smaller than those in laminar flow, After
an examination of available experimental data the value

Jp = 1

——— = 48 ‘B48)
3 -1

was selected. By analogy to equation (B35) it is assumed that

Jp = [1 + .48 Tg “[E;]Gram B49)

where I' 4 and By are the previously described laminar values. The rmall
exponent o is assumed equal to the laminar value (eq. (E42) ) although
1;- ultimete effect on the predicted heating rate is only about 0,3% for

e = 1.0,

Similarly, the behavior of E in turbulent flow can be described only
qualitatively, and most pul.lished analyses neglect its effect, However,
its effect 1s to increase heating rates, and was therefore includad in
the present method, As in the streamwise pressure gradient cas+, the
values actually used were based on modifications of the correspunding _
laminar correlations, Unlike the stroamwise parameter J|, however, Fyp,
is strongly influenced by Mach number, as evidenced in equatizans (B38)
and (B40), so that a dual modification is indicated,

Considering first the csese for zero Mach number flow, it i3 seen
from the definitions of (B7) ‘hat the upper limit on E ia 6*/6 unless
the tranaverszs velocity compenent v within the boundary layer exceeds
the external value, Lanminsr solutions (ret, 34) show that these veloocity
overshoots do not occur for cold wall zero Mach number flow, hence a
correction factor of the following form is suggested:!

- 5"
Er,0-t [TJ'C]T

= -

Eg o-1 [¢of
L, 0 8 .G
[0 M ]L

(B50)

The precise value of the constant C in thia expression cannot be calcu-
lated, of course, For the previously mentioned upper limit case, C of
course is equal to -1; bhowever, in the intereats of conservatisw, a value
of C = +1 was selected to represent an upper limit, Consiatent with
equations (B48) and (B4e), then:
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= = 0.7 {B51)
In equations (Bbl)El‘oia Just Ei‘evaluated for Mach number equal to zero.
' 0

Yor Mach number zero equation (B40) reduces to

1
Im,0,0 = 3 (e, sL * 1y

since
(is - ‘e, 81) =0

at zero Mach number,

The effect of Mach number on E.,was determined irom observation of
empirical trends in turbulent yawed cylinder stagnation iine heat transfer
data, as

E, B, \'T
I = (%?li-) (B62)
ET,O L,o

An equivglent form that is more convenient for computer applications has
besn used for all calculations in this report:

xe(h T - xe(h L ]mT
Xeq, T, 0 |Yeq, L, 0

J
where, in general _
5/4 E
T,0
) 1 J,xl G, JTf d
eq, T, 0 3
T [GT Iy (674 ET.O]
2 E 1
xy OLIL L, 0dx
x . _ (B563)
o L, 03y, g [G, ay, 1 FL, “]
4 . X
2 Iy,
eq, L JL GLJ[, fl l‘nl'
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It 1s easily demonstrated that for infinite yawed cylinder stagnation
1ime flow, (B83) 1s exactly equivalemt to (B62), For other types of flow
(B82) and (BB3) are not exactly equivalent, However, since (B63) 1s
based on yawed cylinder data, (B82) and (283) are equally valid assumptions, !
and (B33) has been found to be more convenient, In any case, the final
effect on the predicted heating rate is small,

Combined Laminar - Turbulent Method

A comparison of the equivalent distance expressions for laminar and } :
turbulent boundary layers shows that in general the two values are not : 3
equal, so that the Reynolds number based on the equivalent distance will ‘«
depend on the boundary layer state. This incomsistency can be avoided by i
employing the following definition of a reference Reynoids number,

P B U X x

Rr . r r: gté],L,o oq,L,0 (BG64) 4

Fy* Mo Xeq,L

where
-1 ?

mT-l .

X } ;

F, = Xeq,T,0 my = 4 (BS6) j

x“lil‘io i E

When terms Rr and Fx ar9 used inequation (5268) there results

4 K Exbe o (B56)

H= -
how ~ by 2Fp. Xeq Lo T v

where c[.r is the friotion coefficient evaluated for the referance
Reynolds Dumber, The formulas used in the present report are:

864 B
Ct,r,L © . 2 (B&7)
r
and
C = . 370 ‘1353)

t,r,T 2,584
El.oglo (R_ + 3000))]
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Note that in equation (B56) only C; y depends on the boundary layer state.
As a result, a sipple relationship between laminar and turbulent flow csn
be obtained that is dependent upon the reference Reynolds namber only,

This relatinsnship, obtained by combining equations (B56), (B57) and
(B58), follows

0.5
Hy, .185 (R )

- 2.584 (859)

Hr 332 [10310 (R, + 3000)]

It is easily shown that the laminar rorm of equation (B36) recuces
identically to any of tbhe special cases previouily given, For example,
considering only the various equivalent distance terms, and employing the
general power law form for C corresponding to equation (B25), there

results t,r
m-1 1 -
" m+l _m+1<"g,L m+1
H~F X (B60)
X eq’Lso xw.L.o
Yor laminar flow, m = 1, and all terms except (x )'1/2 disappear as

desired. Por turbulent flow, on the nther hand, eduation (B60) together
with the defiaitions of F, given in equation {B53), becowes:

m-4 |_-1
3 |mrl
Xoq,L [ ¥eq,T,0 (B6OR)

eq’T’o xBQoLbo qu,L,o

HT"‘ X

The term in the brackets differs from the previous definition of x
given in (B53) only by the factor
m-4

—-—r—

3

eq,T

¥eq,T,0
Xeq,L,0
arising from the use of a nominsl value of mp = 4 in the definiticn of Fy.

For all cases of practical interest, this term will have a negligible
eifect on heat transfer - on the order of one percent or less.

Use of a skin friction law of the form of (B58) in the heat transfer

equation (B56) has the effect of automatically introducing the local value
of w in (B60a), so that the proper compressibility effect on !& is obtained.
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Sunmary of Method and S8ample Calculations

This section summarizes the calouiation procedure for the
mothod, Table Bl 1lists specific values of the warious parameters for
several special cases. B8ince the calculation depends on the functions
9o Maoff , and o i which exist only as the faired curves of figures B2,
B3, aud B4 numerical values are given in Tables B2, B3 and B4 from which the
reader can construct the necessary plots. Also given in Tables BZ, B3
and B4 sre simple curve fit expressions that are shown to agree closely
with the valuas from the faired curves, The curve-~fit expressions were
not discovered until after the bulk of the analysis was complete, however,
and were not used for any of the comparisons pressnted in this report,

It is assumed ia the following discuesion that the following quanti-
ties are known;

Pgr ug, 18, lgs iy
Tgs Tos Tws Boo Huws g = 1 (ig, Po)
Par Pws Pst = [ (ig, Dg)

The basic equations are independent of units, sc that any consistent
set of units desired can be used,

The basic equations to be solved for each case im general form ars

H = & (PO Fx) R Ct,r (Be1)

. 2

where

(e2)
Ct,r,L = .00%‘4 Rr

)]




.370

[1%10 (r_ + 3000)]

C =
f,r,T 2.584

R = pr“r ue xeqﬂLlo anbno
r
sz “02 xeth
L
an("—‘-’ﬂn—a-T °> 3
Xeq,L,0

X ZE
1 G, f LJL dx

u 2E 2]
[GL a2 .

2E1,

Xoq,L =

X
lGLf

[GL 2EL,0 Jbz]x

.0
Iy, dx

Xeq,L,0 ©

1

- jon
mi

T,0
X1 Gy f Jp dx

Xeq,T,0 " -{ [ ~ ]
ET,0 , 2
Gy f Jr X1

|
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2
Gla:pr"'ruer
GT = Pr By ug rb/e
Jo 205
Jy, = r1+r8«/p_s o,
L~ ¢
Jos TR
[1+ .48 7, VB, ]o,
Jp =
/8e
a,
- ,‘1+F0\/_ﬁ—c-]or
Ey, =1

V8o
EL,O = [l + ro J-p_c]ora

(B69)

(B70)

(B71)

(B72)

(B73)

(B74)

{B76)

(B79)
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it only laminar flow is required {e.g., stagnatiom point)

(B77)

1/2
H = .332 £ [p,u, u"]

.64
r 6 xeq’L

The general procedure for a given case is as follows:

a, Examine Xgq equations to reduce them to miniwum form consistent
with the given problem. For example, the flat plate values of pe“e and Pe
are all independent of x and J = 1, so that Xgq = X in all casebd.

b, Find Pr My using figures B2 and B3 or Tables B2 and B3, Recently
the following expressions have bean found for (pe ”o)eff snd Py Y i

Pg: g B78)
Po Boloft = Pgibg [1.85 - .86 ~58-_“_3..] (
ePe
(Pe Mo )off
Pely = Pe pe)el{[l-ﬁ -.6 -(—p—w—’-‘-;%-] ®79)

As may be seen from the values tabuiated in Tables B2 and B3,
eq. (B78) and (B7)) agree with the curves of Figures B2 and B3 to within
about 3%, correaponding to a 3 to 3 percent error in the predioted heating
rate, and so are considered adequate for most purposes,
o, rnd
I, (ZT)y trom pphyr, Pe
2. e from (Z T),, Pg
3., o; from (Z T),

4, Ko from g, lrs (Z T), and equation (B45)
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(Note that 4, 1s required only for turbulent flow calculations,)
Any gss properties may be used in these calculations, In the
prasent report the gas properties of references 2 and 26 were used,

d., Dstermine the streamline diveirgence paransters r and f. For
srbitrary bodies at angle of attack these paramoters are often
pot known, although their product A may "e estimated from
the pressure distribution or oil flow patterns.

The values of r and f for several special cases are given in
Table B1,

e, Find ﬁ. if roquired, Note that fcr the general case, exact
evaluation of ﬁ' requ.res an iterativs solution, since

B, =2 p] [] x@‘l-l‘] din ug) (280)
8 g UL X ] qqn x)
and the term in brackets is in itself a function of ﬁ, In practice

however, a finite difference integration along the streamline is performed
for the bracket parameter

Xl .
Xeq, L 1 2E
["L ‘%‘_] T f Gl g, ax qeen)

2Ew 0
a, kg x]
LGy LA,

sai the 100al value of ﬁa at x = nAx can be evaluated with sufficient
accuracy (if the step size is small) by

[aa]xmAx ) 3[‘0 d(ln x) JxnAx L7 x=(n-1)Ax ®62)
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f. Pind Zg, To, and I using equations (B37, B38, E39, and
B40). A discussed in comnection with equation (B50), the subscript @
denotes evalustion for zero Mach number.

g. Find T from ¥ using figure B4 or Table B4. Recently, the
following expression was found:

r = [eez% - 35 (883)

The error in heating resulting from the use of eq. (BR3) rather than figure B4
is less than 1% for f <« 10.

h, Evaluate J, E, Xeq and Fyx, and R from the defin‘tions given
earlier in this section,

1. Find ip e, 1p,e/le 2nd L from e, P,
J. The heat transfer coefficient H can now be calculated from

equations (B61) through (B63). Specific values of the varsious boundary
layer parameters are given in Table Bl.
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TABLE B2

TABULATION OF VALUFS OF p ui_

P H
Pyt
(pe“e)ef!
Pytw
From figure (B2) | From equsation (B7Y)
.15 . 226 . 226
.20 , 290 .296
.25 .354 .362
.30 414 .426
.35 .485 486
.40 .532 . 544
.5 .641 . 659
.6 . 739 . 744
4 .818 . 826
.8 .892 .89
.9 . 950 .954
1.0 1,000
1.1 1.04 equation (B79)
1.2 1.08 not valid for
1.3 1.12 hot wall ceases
1.4 1,15
1.5 1.18
1,6 1.21
1,7 1.25
1.8 1,26




TABLE B3

TABULATION OF VALUES OF (pp) .t

(pe“e)eff
PeHe
Pgritgs
Pete
From :igure B3(a) From equation (B78)
.2 325 . 336
.3 .478 .478
.4 .610 . 604
5 L7156 . 713
] L7191 .804
.7 .850 .879
.8 .905 .936
.9 . 955 .976
1.0 1,000 1,000
TABLE B4
TABULATION OF VALUES OF T
r
pX
From figure B4 From equation (B83)
.5 .164 . 155
.6 .232 .224
.8 .360 . 349
1.0 L4758 .460
1.5 .T10 700
2.0 .925 .905
3.0 1,27 1.26
4.0 1.56 1,56
5.0 1.83 1.82
6.0 2.07 2.07
7.0 2.30 2.30
8.0 2.50 2,51
9.0 2.70 2.72
10.0 2.87 2.90
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REFERENCE 43 36 37
PRANCTL NUMBER CONSTANT COMSTANT  VARIABLE
SPECIFIC HEAT CONSTANT CONSTANT  VARIABLE
p L PRODUCT CONSTANT  VARJABLE YARIABLE

2

O,

Figure Bl: EFFECT OF PRANDTL NUMBER ON
REYNOLDS ANALOGY FACTOR
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(o) EFFECTIVE DENSITY=VISCOSITY PRODUZT AS A FRUNCTION OF BOUNDARY

prp'r/pw”'w

LAYER EDGE AND STAGNATION ENTHALPY COMDITIONS,

1.5
1
.8
N.)
W | O REFERENCE 38
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’25 1 1 | { | 1 1 1 §
.15 o2 4 .6 .8 1 1.5 2
(pop'o)off/pw#w

(b) REFERENCE DENSITY=VISCOSITY PROCUCT AS A FUNCTION OF EFFECTIVE
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EDGE VALUES AND WALL CONDITIONS, M>0,

Flgure B3: DENSITY-VISCOSITY PRODUCT CORRELAT{ONS
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APPENDIX C#*
NONSIMILAR BOUNDARY IAYER PROGRAM*

The purpose of the Konsimilar Boundsary Layer Program is to integrate the
leminar boundary layer partial differential equatiocnc wuing finite difference
methods, but without the use of siailarity assumptions.

Nearly all putlished exsct laminar boundary layer solutions have been ob-
tained using the concept of similarity. These solutdions, vhich must dbe obtained
numerically, require thet the viscous flow partisai differential equations be
transformed to a set Of ordinary, non-lirear differential equations. In the
transformed systen the flowv propertias are sxpressed as functions of & vingle
similarity varizole, and are therefore independent of chordwise location. Un-
fortunately, the necessary 4{ransformation requires certzin flow ccaditions
vhich are rarely realized on realistic configurations. The Bosing Nonsimilar
Program was develcped to avoid such liwuitations.

The Fonsimilar Program can calculate rither stiagnation or non-stagnation
tourdary layers with arbitirary pressure gradients, with or without mass in-
Jjection. Three-dimensional flow effects are calculated using the zero cross-
flow approximation, £/ fy = 1, vhich implies no rotation of the velocity vestors
within the boundezy layer. The program is also limfited to attached flow.

The pregram described herein treats air is chemical equilibriwm. The
program oan be aprviied to ideal gas and cther fluids by changing the tabulated
gas trzasport property tables,

The progrsa is capable of initiating its own boundary layer solutioms,
given only external flow properties, for either the stagnation point or sharp
tip cones and plutzs,

Besic Equations.- The equations aolved by this computer progres are the
standerd boundery layer equations of state, continmuity, x-momentum and energy.

These equations are presented in a form used by the program for evaluation at
severzi vertical positious in the dboundary layer at each value of x sonsidered,

* This Appendix is based on Appendix C of Reference 18.

» This computer program was developed by A. L. Nagel and R. T. Savage
during the X-20 development program.
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EQUATION OF STATE

__P
PR ED
CONTINUITY
1 2 [Ldr, 12P),1 2 1!)3!’]
VT 2 V' [!‘ +P'*]+P‘.’Y(“’Y x
iy Oy

u_ .(ﬁt.'zT 2 (p oy 2 (N L) g
-pzT d -%l’)[iy(l’r;y) “ay (uay)+ll)x

S SR RICRC

where subsaript i-l refers toy=y -Ay

x-MONENTUN

W1 _1’.“.1.11)+1. [(1_.;_)“1\.:] _y M
x pulldy (Pr ¥y y dy u dy

1)

€2)

)

C4
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Equution (C2) is obtained from the continuity —quation by introducing
equetion (C3) and (CU) to elimipute 2u/ax und ?H/2¥X. No ntomic diffusion
terms are required in equation(Cl)becru e thi: mode of energy transport ha:
been included in the Prandtl number.

Forward integration.- Since v is expressed as a function of input data,
v can be determined explicitly at each point in the boundary layer at the
initial or start position. With v defined, the initial u ond H profiles,
au/ax and 2H/ax can be determined. With au/a and ?H/ax determined, the pro-
files at the next station can be obtained by forward integration using the
following equations

Yx+ax T Ux * 3'\'1 Ax (C5)
0
Hoax = Hy + -o;] Ay o)

This scheme of calculation is ypresented in the sketchi below:

2 Input u,H,P, ete o

2) Calculate z,T, P, u,Pr, H-u"/2, and y-derivatives
? Calculete v

Calculate au/ax, oa/ax

Calculate nev u and H
Calculate p, u,Pr, y-derivatives, etc
Calculate v
lo) Calculate au/ax, dH/ox

Repeat above procedure until
end x is reached.

/
/

4

. Boundary layer adge

/
\

y ‘*”A

'
t e ) X 04 Ay

W7 77777/7777777777 77 777777777777

—— X

1%




At erch point ir the boundary layer, the classical similarity parameter
is calculated using the following relationship.

n=c— | %
[f Po o o T dx] ©n

Also caloulated at each station (x) are the boundary layer displacement
thickness, §*, heating rate, {y,and shear at the wall,7,.

3

*

5 = -‘D-u—']dy (C8)
‘!;[ Pe Yo

. L M, M

ay 7780["“ax+""ay]d" ©9)

S ..., gp
rw-r,-l pupltovyleos|ay €10

The heating rate and shear at the wall are calculated using the energy
and momentum integral equations rather than the definitions because of the

ter accuracy obtainable with the integrals. The use of the definition of
q T requires very small Ay increments to obtain accurate values of the

gradients at the wall,

For problems without vorticity, Te® 0. ¥For cases with vorticity,
(N/W). is input as a funetion of x.
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Stagnation Region Calculatior

Stagnation point profiles are obtained by modifying the procedure just
discussed. Input profiles are corrected by integrating the u and H profiles,
but x (not equal to zero) is not increased during the integration. The pro-
files are assumed oocrrect vhen

u) 4
Ox‘ X

vhere u_ 1s the velocity at the edge of the input veloeity profile (1.e. the

input velocity farest from the wall.) This convergence criterion is obtained
vith the velocity similaxrity stated below.

<.1lug foralli €11

=

ﬂ' - (C13)
e

[ 4 u

*1

Experience has indicated that an enthalpy profile convergence criterion is
pot necesasary.

For the stagnation region, equations (C5) and (C6) are changed o

¢H
H = H + " L AS C13)
= fut o ‘
u, [“l + nli As] X + AS {Ci4)

vhere xo = initial x location

AS = & fictitious length
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Once the convergence criteriz have bee: satisfied, the calculations can
be stepped forward around the body as discussed in the previous section.

Qas Properties.- As stated previously the program treats air in chemical
equilibrium and can be applied to air as an ideal gas and to other fluids by
changing the tabulated gas transport property tables.

The transport properties for equilibrium air were based on the nine-species
model (NE-' 0,, N0, N, O, ¥, O+, and e ) of reference 2 and computed using the

collision integral method of reference 4. The transport properties are built
into the program as tabular functions of enthalpy and pressure.

- u?
T = f'(P, H - 2) (C15)
- u?
L= f(P. H - "2-') (C16)
2
- o
p i("' H 2) (C17)

frse-2) 4604
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The intsgral o1 the Pranitl nusber is used to eliminate errors introduced

into the finite difference calculations by the oscillations in the Prandtl

mmber. The oscillations cause

Prandtl Number

Enthalpy

& large Prandtl number gradient tu exist between adjacent nodes at which

calculations are made.

The Prandtl number is obtained over two nodes by

vhere 1 referas to evaluction at
i + 1 refers to evaluation at y + Ay
i - 1 refers to evaluation at y =~A4y

19

(C19)




APPENDIX D

FORMULATION OF hj*

The boundary layer displacement thickness heating perameter, defined by

»* pu
n* = n (1-
p“
€
[o]

is required for evaluating the effects of shallow surface vaves on aerodynsmic
heating. This appendix describes the methods that were used to compute the
values shown on Figure 6~45. Only laminar flow has been considered.

), (1)

e

Methods for estimating the laminar displacement thickness were developed by
Hanks and Savage, Reference 29, by correlating the boundary layer solutions
first presented by Cchen, Reference 37. The closed form equation for &+
that is presented in Reference 29 1s rewritten here and forms the basis for
the development of the equations ueed to define the product, hé*. Fox zero
»Jressurxe gradient

X

(2 [ty ) %
O

* »*
6 = A (p2)
PaVel
where
* - 0.13 ]
L = [no.gos + 2 ('rz)ref + ( ('fi)mf)
_ (12),  (T2),
(‘I‘Z)]ref = 0.73 +
('I‘Z)e ('I‘Z)'a

Results showm on Figure 6-45 were calculated for & sharp flat plate. For
this geometry

re ]}

PPV const
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APPENDIX E
SAMPLE SOLUTIONS
To illustrate the use of the charts in Sections VI and VII, example
problems were prepared. In most instances, examples have been chosen that
clearly explain the procedure required to reduce the curves to correct
numerical results. The applicable text section number precedes each example.
A, Section VI - Reference Condition

Radius Correction ~ Turbulent Reference Heat Transfer Coefficiernt

Exeample: Determine the turbulent stegnation line heat transfer coeffi-

cient, hSL,T’ for a 60° swept cylinder having a leading edge radius of

R = 0.1 ft. The flight condition is VEL = 10,000 fps and ALT = 100,000 ft.
Quantity Source Value

(:) e Figure 6-b 1.6 x 1072 Btu/fta-sec-°R

(:) Rp Figure 6-7 360, 000

® Carp Figure 6-6 1.6k

® hey p @ =x0 2.62 x 107 Btu/£t%-sec~°R

B. 3ection VI - Basic Shapes

1. Shearp Flat Plate and Sharp Cone

The computational procedure required to obtain heating rates for a sharp
flat plate or a sharp unyawed cone 1is simllar, The procedure is iilustrated
using a sharp flat plete.

a) Leminar Flow

fixampie: Determine the laminar heat transfer rate to a sharp flat plate

at an angle of attack of 20°, at a disiance x = 5 ft, for T, = 1500 °R and
TAW/TT = 0,87. The flight condition is VEL = 20,7CC Ips ang ALT = 200,000 ft.

Quentity Source Value
Q hep 1/hg Figure 623  0.275 (Altitude effects
? neglected for
figure 6-23)
@ h Figure 6-2 3.56 x 1073 Btu/ft>-sec-"R
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® hep 1 ORNO) 9.77 x 107 Btu/ft>-sec-°R
,-J

(:) Cy Flgure 6-25 0.445

(E) hx =5 ft (:) b 4 (:) 4,35 x 10'a Btu/fta-sec-°R

@ Cop Figure 6-2k4 1.0

@ hx =5 ft @ X @ 4.35 x lO-h Btu/fte-sec-°R

T Figure 6-1 31,500 °R

©) q (T, - T,)  13.05 Btu/£t%-sec

-QO- 150)
b) Turbulent Flow
To obtain turbulent heating rates to a sharp flat plate or a sharp un-
yawed cone, use the turbulent reference and design charts. The procedure 1is
identicel to that shown sabove.
2. Hemisphere
a) Laminar Flow

Example. Determine the laminar heat transfer rate to a 1-foot radius
hemisphere at the angular location §= 60°. The flight condition is VEL =
20,700 fps ané ALT = 200,000 ft. Assume T, = 2000 °R and T /T = 0.95.

W/
Quantity Source Value

@ ng/b, Figure 6-9 0.395 (Altitude effects
neglected for
figure 6-9)

® h_ Figure 6-2  3.56 x 107> Btn/rt>-sec-°R

@ h0- €0 ° QO «x @ 1.41 x 1073 Btu/fte-sec-'R

@ TAw/‘I‘T Agsume 0.95

Q) T Figure 6-1 34,500 °R

©

q R(T,,-T)
= ((5)- 2000)

Wall temperature corrections can be made using figure 6-3.




b) Turbulent Flow

Example: Determine the turbulent heat transfer rate to a hemisphere
using the conditions given in the example for lamiiar flow.

Quantity Source Value
® =®r Figure 6-10 1420
Tmax
® Oy Figure 6-11 36.25°
® Ab 60° - 0y +23.75°
® /e, Figure 6-12 0.715
® h /hSP Figure 6-13 0.66
® hy Figure 6-2 3.56 x 103 Btu/ft°-sec-°R
D) h ®=x0G x @ 1.53 x 1073 Btu/ft%-sec-°R
T/ T Assume 0.95
©) L Figure 6-1 35,000 °R
a n(T,, - T,) 50.5 Btu/ft>-sec

When the radius of the hemisphere is different from R = 1 ft, tne value of

R,  must be corrected using equation (6.10) before using figures 6-11 and
MAX

6-13.

3. Swept Infinite Cyliader
a) Leminar Flow
Example: Find the laminar heat-transfer rate to a 40° swept cylinder,

1 foot in radius at an angular location, 6= 60°. The flight condition is
VEL = 20,700 fps and ALT = 200,000 ft. Assume Tw = 1000 °R and TAW/TT = 0.94,

Quantity Source Value
) hg /n, Figure 6-17 0.222
(:) h Figure 6-2 3.56 x 1073 Btu/fta-sec-°R
T "3 2 o
® h oL o ®=x@ 0.79 x 10™2 Btu/ft“-sec-°R
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® M M, x cos Lo°
N
(5) C Figure 6-3
® ng. ORN0)
T, = 1000 °R
(:) TAW/TT Assume
Tou Figure 6-1
@ i n(T,, - T.)

=® ( ®- 1000)

b) Turbulent Flow

17
1.05

0.83 x 1073 Btu/ft2-sec-°R

0.94
34,000 °R

27.4 Btu/fta-sec

The procedure for determining turbulent heating rates to swept cylinders

is similar to that shown above for laminar flow.
i, Unswept Infinite Cylinder

a) Turbulent Flow

Example: Determine the turbulent heat transfer coefficient to a 1
foot radius unswept cylinder at an angular location, = 60°. The flight
condition is VEL = 13,7000 fps end ALT = 180,000 ft. Assume TW = 2000 °R,

Quantity Source
@ R Figure 6-20

TMAX
@ oMAX Figure 6-21
® ad 6 - Byuy
@ h /hSP Figure 6-13
@ h, Figure 6-2
®© g hgp = Bo(r = 1 £t)
@D 1 ogo eoo My Figure 6-22
® h g 60° ONBNG)
NOTE:

When the radius is different from R = 1 ft, Rr

MAX

202

Value

5,500

33.6°

+26.4°

0.7

4.55 x 1073 Btu/ft>-sea-°R
4.5 x 1073 Btu/ft3-sec-"R
0.66 Btu/fta-sec-"R

3

2.10 x 1073 Btu/fi-sec-°R

must be corrected uvsing




equation (6.10) before using figures 6-13 and 6-21.
4. Sharp Delta Wing
a) Laminar Flow
Example: Determine the laminar heat transfer coefficient tc a 75° swept

sharp delta wing at x = 5 ft. on the centerline, and at x = 5 ft. off the
centerline on the rayline e /e = 0.5. The wing is at an angle of attack

MAX
of 20° at the flight condition VEL = 20,700 fps and ALT = 240,000 ft.
Quantity Source Value
€)) hsp, /o Figure 6-30 0.325
® n Figure 6-2 1.62 x 1073 Btu/rt?-sec-°R
-4 2
©)] Bep L ORNO) 5.26 x 10 = Btu/ft“-sec-°R
<:) Cx Figure 6-25 0.4ks
-
® s ®x® 2.34 x 10" Btu/ft°-sec-"R
® (a/n A= TO° ), . 5 gy Flgure 6-31 1.065 h
@D by ®=x©® 2.50 x 107" Btu/ft2-sec-°P
A= T5°
® ne/n =0 Figure 6-32 1.01
-4 2
©®  nyl5 @D x 2.52 x 107" Btu/ftZ-sec-°R

The wall tempecature correction is obtained from figure 6-2L.

To determine turbulent heat transfer coefficients to a sharp delta wing
requires the use of turbulent reference and design charts. The procedure is
identical to that required to obtain laminar heat transfer coefficients.

C. Section VI - Combinations of Basic Shapes

1. Unyawed Blunt Cone

a) Laminar Flow

Exemple: Calculate the laminar heat transfer rate to a blunted cone
having a hemisphericeal nose of R = 0.5 ft and a semi-vertex angle of 30° at

S/R = b, The flight condition is VEL = 20,700 fps, and ALT = 200,000 ft.
Assume T, = 2000 °R and 'rAw/'rT = 0.95.

¥
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Quantity Source Value

@ (g 1/ng)ds/po Figure 6-27 0.198
®)) b Figure 6-2 3.56 x 1073 Btu/ft>-sec-°R
R
- __9_ -3 P 2_ -
® (hBC,L)S /R= b hep = hOQ’RSP 5.0k x 10 ° Btu/ft"-sec-°R
® . OO .995 x 1073 Btu/ft°-sec-°R
® /T Assume 0.95
® T, Figure 6-1 34,500 °R
@ 4 n(T,, - %) 2.3 Btu/ft°-sec
= (®- 2000)

b) Turbulent Flow

Exemple: Determine the turbulent heat transfer rate to an unyswed blunt
conr? using the conditions shown in the example above.

Quantity Source Value
© @, Jg-qst Figure 5-10 1420
MAX
0.5
® (er)n = 0.5 £t 1@ 710
@ (Rr/RrMAX) S/R=b Figure 6-28 8.5
® =& ® x @ 6035
® nyn Figure 6-29 1.23
© n From Step B 1n  0.995 x 107> Btu/Tt>-sec~°R
laminar heating
example
@ 1y ® x © 1.193 x 1073 Btu/rt?-sec-°R 1
TAW/TT Assume 0.95 ]
® o Figure 6-1 34,500 °R ]
1
0§ B(T,, - T,) 38.8 Btu/ft>-sec !
- @ (@ - 2000 |




2. Blunt Delte Wing
a) Laminar Flow

Example: Determine the laminar heat transfer coefficient to a 70° swept
blunt delta wing at the centerline location S/R = 17. Also determine the
leading edge stagnation line value, and its amount of shift due to lower
surface effects, as well as the heating on the lower surface at N/R = 4, The
flight condition is VEL = 20,700 fps and ALT = 200,000 ft at an angle of
ettack of 30°. The nose and leading edge radii are 1 ft.

Quantity Source Value

() (hgp 1/Msp) 5/Re17 Figure 6-34 0.101

® Figure 6-2 3.56 x 1075 Btu/ftZ-sec-"R
® g hep (o1 £t) = Bo 356 % 1073 Btu/rt®-sec-°R
NI ®O=x0 3.59 x 107" Btu/ft2-secR
® O Figure 6-38 65°

® Ay Figure 6-39 54.5°

@  (bgp/h ) Agpp Figure 6-16 0.362

hsr, A EFF Ox@ 1.29 x 1073 Btu/ft°-sec-"R
© (g /hgp)w/reb Figure 6-36 0.126

@ (hgp 1) w/Reb ©HO) b.49 x 107 Beu/rt3-sec*R

b) Turbulent Flow

Wxample: Solve for the turbulent haat transfer coefficients on & blunt
delta wing using the conditions given in the example for laminar flow except
let the flight condition change to VEL = 18,700 fps and ALT = 180,r"0 f£t.

Quantity Source Value
@ (hyp 1/Pspds/R = 17 Figure 6-34 0.101
(é) h, Figure 6- 4,55 x 1073 Btu/fte-sec-°R
Q@ g Bop(rey £t) = To M55 x 1073 Btu/rt?-sec-°R
® by 1 O 4.59 x 10™* Btu/rt?-sec-*R
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® &, Figure 6~10 2150
MAX
® (Rr/RrMAX)S/R .1y  Flewse 6-ko 37
@ ®) ®=@® 91,000
S/R = 17

(hT/hL) Figure 629 2.6
® ®x® 1.19 x 103 Btu/rt°-sec-°R
HSL F:lgure 6"38 65°
@ Ay Figure 6-39 54.5°

(h/n,.) Figure 6-18 1.22
® by
d:) B Figure 6-4 2.82 x .‘I.O-3 Btu/ftz-sec-°R
@ nA g @:0) 3.4 x 1073 Btu/pt3-sec-R
NOTE:

When the nose redius is different from R = 1 ft, the value of R must be
corrected by equation (6.10) before proceeding with step @ TMAX

At the present, no method for evaluating turbulent heating between the
centerline snd the leading edge is available. Estimates must be made by
falring a curve through the end points.

3. Flap Surfaces

a) Laminer Flow

The increase in laminer heat transfer across g flap can be directly
obtained using figure 6-41.

b) Turbulent Flow
Example: Determine the increase in turbulenv heating across a 10°

positively deflected flap vhere the initial surface is at an angle of
attack of 20° for the flight condition VEL = 18,700 fps and ALT = 180,0C0 rt.

Quantity Source Value
©® ()L Figure 6-41 3.3
® (bt )/ (g gy )y Figure 6-42 0.925
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® (np/ng)y ©=® 3.05

D. Section VI - Surface Condition Effects
Surface Roughness

Exemple: Determine the increase in laminar surface heating on a flat
plate at an angle of attack (= 20°, for the flight condition VEL = 20,700
fps and ALT = 240,000 ft. Assume the wave height parameter W/R = 25 and
R = Ool fta

Quantity Source Value
@ hy 5% Figure 6-45 1.26 x 107 Btu/ft-sec-°R
® h/n, Figure 6-23 0.275
® n, Figure 6-2 1.62 x 1073 Btu/rt2-sec-"R
O @ /(@xQ) 0.0283 £t
G r/s* 0.1/(® 3.53
©® Bypy/B Figure 6-43 >1.7
E.

Section VI - Application To Complex Configurations
Control Surface Gaps
&) Laminar Flow

Example: Determine the maximum heat-transfer coefficient on the lower
surface fin and control-surface gap for the flight condit.on VEL = 20,700 fps
and ALT = 240,000 ft. The vehicl: is at an angle of attack, (= 20°. The
surfaces creating the gap have & circular cross-section of radius = 1 ft and
are far enough apart to prevent choking.

Quantity Source Value
) hG,L/ho Figure 6-47 0.0332
® n Figure 6-2 1.62 x 1073 Btu/ft°-sec-°R
R -h 2 )
® 1y ONO) 0.538 x 10 Btu/ft°-sec-°R

b) Turbulent Flow

The solution for turbulent h. at-transfer ~oefficients in & control
surface gep requires the un=e of turbulent refurence and design charts. The
procedure is identical to that for laminar rlow.
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F. Section VII - Use of Ground-Test Date in Design

Two methods are used to extrapolste wind-tunnel data to flight conditionms.
The first method involves the use of compressibility parameter charts and
extrapolation factor charts. Flat plates, sharp cones, infinite swept
cylinders, sharp delta wings, and con*rol surface gaps fall under this
method of extrapolation. The procedure in computing the results is the same
in all cases and therefure only one exeample is provided that is applicable to
all of the geometries mentioned above. This procedure is illustrated in the
exsmples under the subheadirg, "General Method." The second method is
illustrated in the examples under the subheading "Method for Defliected Flaps."
The extrapolation from wind tunnel to flight for laminar flow on & hemisphere
is a special case (A==1) and can be obtained directly from figure 7-25.

1. General Method
a) Laminar Flow

Example: Laminar data is available from a wind tunnel on a fiat plate
at an angle of attack, (X= 20°, at x = 0.k ft. When normelized tc the
stagnation point heat-trensfer coefficient for a 1 f& *agius phere the ratio
is 0.38. The total enthalpy of the tunrel i1s 2 x 10 /sec and the test
section Mach number is 12. Determine the heating rate ratio for the laminar
design flight condition, VEL = 20,700 fps and ALT = 240,000 ft.

Quantity Source Value
@ (gl o 03Bx = 0.21
® iy Lopg~ V- /2 2 x 100
®  ip/ip (2 x307)/( 2 x 10°) 0.1
® (hep 1/ )l 1 Figure 7-19 0.85k
(hyp, 1/ )ere A ve,1
® App,1. Figure 7-ii 1.079
©  (agp /n)pn @ /(@ x @) 0.261
@ /B ) e O} e 0.413

b) Turbulent Flow

To determine turbulent heating rate ratios use the turbulent reference,

design, and extrapolatiou charts. The procedure is identical to that for
laminar flow.
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2. Method for Deflected Flaps
a) Laminar Flow

Example: Laminar heating data from a M ,= 10 wind tunnel show a 100%
increase ir heating for a 10° positively deflected flap whose initial
surface is Zeflected 20°, i.e., angle of attack, (X= 20°. Compute the
expected change in heating for the same geometry at the laminar reference
condition, VEL = 20,700 fps and ALT = 240,000 ft. If data show a 20% decrease
in hesting in the wind tunnel for a 10° negatively deflected flap, compute
the expected change for the flight condition stated above.

Quantity Source Value
For Q= +10°, Q= 20°
6 (he/by Vprr Figure T-30 1.29

(hp /g Vo
® (hp/Besr Doy Given
® (g ) @=x0@ 2.58

For O= -10°, O = 20°

fo
fe]

® (hp/ter )ap Figure 7-30 0.82
-
©) (hp/h ) Given 0.8

© O/ ®x B 0.656

t) Turbulent Flow

For turbulent flow the procedure is the same as shown ebove except an
additional step is required to convert to expected turbulent values. This is
done by using figure 6-42 in conjunction with the calecnliated leminar value.
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