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FOREWORD 

Current research and future prospects in the field of aerodynamic drag were presented 
and discussed at this Specialists' Meeting.   Main emphasis was placed on subjects of practical 
value to the aerospace industry in relation to ;ts need for accurate prediction and measure- 
niint of drag, and for its alleviation. ' 

Twenty-seven papers were presented ;md discussed; the meeting concluded vtith a 
Round Table Discussion drawing out the main conclusions of the separate sessions. 

Many of the papers weit discussed after their presentation, but in accordanc with a 
decision of the Fluid Dynamics Panel that a free discussion at that stage is preferabl to 
one accompanied by the nhibiting effects of recording procedures, such discussions were 
not recorded and are not included in these proceedings. 

The Specialists' Meeting was held at the Grand Hotel Efes, k.iiir, Turkey, at the 
invitation of the Turkish National Delegates to AGARD. 
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TECHNICAL EVALUATION REPORT 

by 

S.F.J.Butler 
Ministry of Defence, UK 

PRKillBLE 

The AGARD Fluid Uynanlcs Panel organised a four-day Specialists* Meeting on 'Aerodynamic Drag' which 
was hold at the Grand Hotel Efes in Izmir, Turkey, from 10th to 13th April 1973«     The Programme 
Committee, which was led by Professor A.D. Young, F.R.S., Queen Mary College (U.K.), comprised 
Mr. P.P. Antonatos (U.S.A.), M.L'Ing.Gen.P. Garri'%re (Franca), Prof. K. Garsten (Germany), 
Mr. J.P. Hartzuikar (Netherlands), Dr. Ing. U. Sacerdote (Haly), and Mr, "..J. Tamplin (Canada).     The 
members of tae Programme Committee also undertook the duties of Session Chairmen.     Prof. Young 
chaired the concluding round-table discussion, for which the panel consisted of the authors of 
thj invited Reviews, Mr, J.H. Paterson (U.S.A.), M.M. Siriols (Franca), Mr. P.P. intonates (U.S.A.) 
Prof. W, Wuest (German) and Mr. S.F.J. Butler (U.K.).     The present author was invited by the Programme 
Committee to prepare the Technical Evaluation Report on the Conference.     The advice of the Programme 
Committee in the preparation of this Report is gratefully acknowledged, but it must be stressed that 
the detailed views expressed are the sols responsibility of the writer. 

Section 2 presents some basic considerations involved in the consideration of Aircraft Drag.     The 
following Section deals jointly with the first two Sessions of the Conference (on General Aircraft Drag 
and Wing Drag), including the invited Review papers of Paterson 1 and Butler 6,     Section 4, concerns 
Base Drag and Separation (Session 3), including the Revi-w contributed by Sirieix 11.      Interaction 
effects (Session 4), and the Antonatos Review '5 are considered in Section 5, whilst Section 6 deals 
with the essentially-distinct subject of Hypersonic Drag and the Wuest Review 20.     The conference ended 
with a Session on Test Techniques and Fligbt/Windtunnel comparisons (Section 7) and a round-table 
discussion reported in the full Conference Proceedings. 

Some main conclusions and recommendations to the Fluid Dynamics Panel are contained in Section 8. 
A list of «he Conference papers is appended for reference purposes. 

2        GENERAL CONSIDERATIOWS 

A primary objective of research on aerodynamic drag is the development and proving of prediction 
methods in a form suitable for direct use by aircraft development teams and by those who have to assess 
the relative merits of alternative designs.     Aircraft drag estimation methods are needed at various 
levels of sophistication and reliability & (Fig 1).      Basic statistical analyses can form the basis 
of an acceptable forecasting procedure at the feasibility stage, although such an approach is essentially 
conservative and can lead to the perpetuation of low design standards, as well as being of little 
use when novel aircraft design concepts are under consideration.      Of some significance is the ability 
to predict reliably the drag of a datum streamlined aircraft with fully-turbulent flow, against which 
achieved drag levels can be compared in a figure-of-nerit approach.     During the design development 
and refinement stage, the research alms include the achievement of drag design objectives and the 
limitation of drag growth.     In this phase, drag predlctiona in practice must be prepared by a process 
of synthesis (rather than simple suanation), within a format which can readily accommodate the changing 
sources of data.     In the third stage, performance deficiencies must be rectified and the guaranteed 
performance predicted for a full range of operating conditions, involving analysis and interpretation 
of prototype flight-test data. 

Fig 1.     Three Stages of Drag estimation in Aircraft design 

!    Stage Feasibility 
 ,  

Development                        Pre-production 
I 

Alms Respond to market opport- 
unity or military target 

Meet objectives and 
control drag growth 

Rectify design defects 
and estimate operational ' 
performance 

Type of estimate Quick approximate fore- 
casts 

Validated refined 
estimates 

Guaranteed performance 
predictions 

Design status Outline sketch Main features chosen Froaen                                 | 

Main data sources ( Theory 
General     ( Model 

( Aircraft 

( Theory 
Specific    ( Model 
General     Aircraft 

(Theory                j 
Specific (Model                  i 

(Prototype 

A flexible approach to drag prediction is particularly vital in the all-important research and 
development phase, preferably one in which a consistent framework is used based on aerodynamic theory, 
suitably supported by aimed research on specific key areas and validated by means of critical analyses 
of selected ad hoc model and aircraft test data.     Although such a framework needs to provide for the 
progressive introduction of proven theoretical methods as these become available, the present 
Conference has confirmed that a comprehensive drag prediction method, valid for the current main 
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class« of aircraft and based entirely on theory, is not likely to be pcaalble for a long time to come. 
Thus, careful Judgement will continue to be needed In the choice of an optimum blend of prediction 
methods-   If full advantage Is to be taken of the data available from specialised and ad hoc research 
results»     A clear need and opportunity thus exists for collaboration within AGARD to ensure that 
naximum benefit is obtained from national and industrial aimed research programmes relevant to drag 
estimation*     This must include adequate attention to tunnel flow quality irrprovemants and to flight 
and tunnel testing techniques.     Moreover, the variety and difficulty of the theoretical problems 
which now present themselves are such that co-operation on an international basis seems essential 
to achieve a more optimal application of scarce original theoretical effort than applies at present. 

In order to put matters into perspective, it is desirable to «xamine the relative magnitudes of 
the drag contributions duj to different basic causes;    illustrative drag breakdowns are given in Fig 2 
of Paper 6.      Although the relative magnitudes of the different components are obviously of importance 
in themselves, the order of uncertainty of each needs to be assessed, particularly where that 
contribution can be reduced or ellainated altogether by an informed design choice.     Such considerations 
imply the need for a broad and persistent attack on the understanding of aircraft drag and its 
prediction.     Taking full account of the present Conference, there can be few aspects of this subject 
with which we can afford to be satisfied at present.      Above all, improved physical understanding and 
quantitative design methods must be sought for tkveedimenslonal viscous supercritical flows and 
for shock-induced and other separated flows, before major Improvements in aircraft drag prediction 
methods can reasonably be expected. 

3       AIRCRAFT DRAG (GENfiRAL) AND WING DRAG 

The review papers of Paterson, MaoWilklnson and Blackerby ' and Butler     may >e regarded as 
complementary.      Paterson concentrates on the application of availabli design methuOs to the prediction 
and understanding of the drag of subsonic and transonic transport aircraft, with particular reference 
to the exhaustive and Impressive analysis undertaken in connection with the CSA.     This review is 
an outstanding and mature contribution to the study of aircraft drag prediction.     It shows what can be 
achieved, but also Illustrates the effort and care which is necessary if a convincing conclusion is 
desired.      On the other hand, Butler starts with a general analysis of the desirable features of future 
aircraft drag prediction methods suited to the computer age, including an assessment of the present 
limitations of theory.      By way of contrast, the second half of this review comprises a set of cameos 
setting out current drag prediction practice as seen by U.K. specialists.     These reviews together 
set the scene for the Conference and both contaia material of strong relevance to other Sessions of the 
Conference.      They form a natural starting point for a study of the Proceedings. 

3.1 SklnfrlcUon 

No new thinking was evident on Reynolds number effects on skin friction.     Paterson     tends to 
argue the need for further research to establish more firmly the variation of turbulent skin friction 
at elevated Reynold numbers.     The U.K. review ° lays more emphasis on the manner in which two- 
dimensional skin friction data should be applied to swept and slender wings and to bodies.      Paterson 
rightly stresses 1 the importance and difficulties involved in accurately predicting and Halting 
roughness and exoteaoance.   drag (see Section 3.6).     There is the important complementary question of the 
problems involved in the practical estimation of the extent of laminar (and separated) flows to be 
expected on a specific flight vehicle, on which no progress was reported. 

3.2 Wingjeaiiqiw 

Paterson" s paper     demonstrates the value of proven viscous design methods for profile drag and 
drag-rise prediction on conventional subcrltical sections at moderate angles of incidence.      There 
was general agreement on the need for extending such methods to deal adequately with the presence 
of shocks, flow separations and supercritical flow.      Existing methods only offer acceptable accuracy 
for relatively-simple aerofoil problems)    satisfactory methods are not yet available for more exacting 
problems, involving multiple aerofoils, bodies of revolution, or complex compressibility and shock 
interaction effects. 

One important practical consideration arises because boundary-layer calculations usually end at 
the wing trailing edge and must be extended into the wake.     Corrections to conditions far downstream 
by means of relationships such as those suggested by Squire and Young are no longer adequate.    Smith 
and Cebed 7 have considered the alternative approach of direct calculation of shear and pressure 
forces by integration around the aerofoil contour.     At least as presented, this approach appears 
extremely sensitive to the assumptions applied near the trailing edge, resulting in unacceptable 
values for the pressure drag.     lie satisfactory explanation was advanced In the discussion following 
this paper, and an Improved way of proceeding was not forthcoming.     Smith however obtained more 
promising results, agreeing better with observations, by extending the boundary-layer calculations into 
the initial wake using mixing-length relations.     This method is also applicable to bodies of 
revolution. 

10 In a complementary paper, Zwaaneweld       presented a detailed review of sectional drag calculation 
methods, including a new method for the treatment of the wake correction.     The need for more accurate 
corrections for static pressure is confirmed and it is shown that this can be achieved by the 
«pplicfttion of integral relations with suitable ehoies of psrassstsrs,      Escause of the öxtröue 
sensitivity to local static pressure, particular care is shown to be needed in correcting wake drag 
surveys conducted close to the wing trailing edge. 
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Ctae of the most interesting contributions related to the application of the Jet flap to transonic 
speeds.     It is generally accepted that the lift increment due to a Jet flap in tuodimensional 
incompressible flow can be achieved with nearly-complete recovery of the Jet thrust and with corresponding 
increases in lift/drag ratio.      Larger drag penalties are Vnown to be involved at transonic conditions, 
although the lift/drag ratio nevertheless may represent an     provement over that which may be achieved 
with elevated angles of Incidence in the absence of a Jet flap.      In a particularly well-balanced 
paper, Yoshihara, Magnus and Zonars 9 discuss some Jet flap «zperlmental results obtained in the NAE 
High-Reynolds-Number facility and offer an extension to Spence's theory to allow representation 
of the observed effects of the upper-surface shock by means of a thickened boundary layer approaching 
the trailing edge and a thick wake flowing above the Jet wake.      At present, a priori knowledge of the 
upper-surface pressure at the wing trailing edge has to be assumed, together with a simplified variation 
of pressure in the wing wake towards the value appropriate to conditions downstream (any transverse 
variations being Ignored).     Further, in order to locate the shock and simulate the effect of the 
boundary layer on the effective wing camber, the pressure distributions on the upper surface bafalod the 
shock also form part of the assumed boundary conditions.      The results show encouraging agreement with 
experimental observations, and it now remains to improve the method by incorporating self-sufficient 
procedures which will simulate to an adequate degree the principal viscous features namelj, the shock- 
induced separation and the thickened wake flowing above the Jet wake. 

Theoretical effort has recently been concentrated on methods for supercritical aerofoil sections. 
However, as pointed out by Kacprzynski,8    even the more elaborate methods do not feature the «xplieit 
use of design drag or drag-rise Mach number as objectives of the design process.     Once an apparently- 
acceptable aerofoil shape has been derived by repetitive numerical experiment, its actual 
characteristics must be ascertained by calculations and tunnel experiments.     Kacprsynski shows that 
economical isentropic calculations simulating some of the features of supercritical flows usually 
result in pressure distributions in reasonable agreement with experiment or more elaborate theory, and 
can yield acceptable predictions of drag-rise Mach number, though the exact position and strength 
of the shock may be somewhat in error.     The possibilities of adapting such a method to allow the 
prediction of sectional drag are discussed;   this would seem to require sounder physical understanding 
than is presently available. 

The Conference failed to attract contributions relating directly to our ability to estimate the 
drag of wing sections in the presence of extensive flow separations (either due to shocks or to severe 
gradients) and no progress was reported in the important and challenging field of multiple-aerofoil 
theory. 

3.3. Swept Wings 

Unfortunately, there was no paper dealing specifically with drag prediction for a wing exhibiting 
threedimensional viscous compressible flow.     Perhaps the only major criticism which might be levelled 
against Paterson'a paper is the reliance which is placed on strip theory and the rather superficial 
way in which threedimensional features are treated.      In the round-table discussion, Peterson and 
othera stressed the desirability of developing such methods to the stage where supercritical flow and 
separations could be represented on a threedimensional wing.     The inviscid compressible flow about 
streamlined aircraft-like shapes can already be calculated and allowance can be made for viscous 
effects of moderate proportions.     Provided effort is directed towards this aim, there are reasonable 
prospects of «xtending such methods to cope with assantlally-shockfree mixed flows corresponding 
to the use of particular supercritical sections.     As some allowance can be made for the presence of 
engine nacelles and Interaction effects for an optimised configuration without significant flow 
separations, we would then be very close to the position where Tealistic drag targets could be^ 
predicted for the datum streamlined sweptwing aircraft central to a figure-of-merit approach. 
Thus, the Importance of achieving a more complete treatment for the basic swept wing can hardly be ovei- 
«nphaaisad.     Especially for the small military aircraft, it is perhaps nearly as important to be 
able to predict the aerodynamic characteristics (including drag) at off-design conditions involving 
strong wing shocks and extensive flow separations, though more limited accuracy may be acceptable. 

Drag prediction under high-lift conditions on a swept wing with multiple highly-deflected 
flaps is even more difficult.     Unresolved difficulties in predicting sectional characteristics 
have already bean mentioned.     Further, the prediction of vortex drag is particularly unsatisfactory. 
There is no adequate means of calculating the spanwlse loading, as the use of linearised theory implies 
a limit on the deflection angle of, perhaps 15°, and the vortex sheet is assumed to lie in the chordal 
plane of the wing.     A theoretical approach is needed, suitably supported by experiment, which allows 
reliable calculations of the spanwlse loading and hence the vortex drag, without the unrealistic 
simplificatlcns required by linearised theory, possibly based on the non-planar theories which have 
been proposed. 1      Threedimensional effects need to be allowed for in calculating the viscous drag, 
both to account for the modified chordwise loadings towards the tip and the root, and also to allow 
for the effects of the severe transverse pressure gradients on boundary-layer development.      There are 
also pronounced threedimensional flows between the individual aerofoils, which interact with the main 
flow around the complete wing.     The supporting research needs to be of the highest standard* 

3.4. Slender wings and low-aspect-mratio ffonfignrationa 

Slender-wing aerodynamics is a promising area for research on the application of the powerful 
computerised design optimlcatlon techniques now becoming available.     Das 3 discusses the results of 
an impressive study whX;H h\s been conducted at DVIÄ Braunsweig.      In the specification of the drag 
relations, naturally it has t««B necessary to employ empirical expressions for friction and base 
drag.     After demonstrating that, ttie drag estimation methods used generally yield good agreement with 
experiment for a range of slender shapes, Das applies varlatlonal methods to derive designs offering 
idal«s3 wave drag due to volume (for different classes of bodies and wing), minimi wave drag due to 
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lift (to: vings), and lllinilllal vortex drag (for vinge) . Although not dil!eussed tully in the Conference 
pape:t, Das .bas a tJlied the eame methods vith some succese to minimise the total drag of non-lifting 
sler.Jdar bodies and thick slender lifting vings, experimental investigations broadly confirming the 
i.l.w~et!e=-1 predictions. Further progress is limited by the deficiencies of theoretical methods 
for _lender lifting bodies, and tor slender ving-body combinations in the presence or vortex-
shedding or compreesibility effects. 

The general position regarding the est:lation o! the vortex and vave drag of }ractical slender and 
low-eapec~tio aircrll.ft designs is less satisfactory. Thus , the estimation 6 of the vortex drag of 
slender aircraft vith leading-edge separations relies essentially on npirical corralatiODs; at 
supersonic speeds , the lift-dependent drag (including that due to vave drag) llllst be •"tillated 
s1mllarly. For truly-elender configurations, vaTe drag calculations can be made, but it 1s by no 
means clear vhat degree of reliance can be placed on 1111cb thode wen applied to Jractical aircraft­
like abapes outllide their strict region of validity. This 1s particularly relevant to the prelillinary 
design of military atriketighter airgraft in their clean configuration, and is an area likely to profit 
by aimed research guided by theory . 

1 Paterson includes an empirical shape factor analysis d.anstrating that, for typical fineness 
ratios, the drag of the fuselage of a large transport aircraft can be kept vithin s~ of that predicted 
by the ESDU Data Sheet method, even vi th a degree of rear-tuselage upeveep. 

2 
Moore describes an interesting and va1uable example of a fast and economical computerised 

design method for Jrodicting the drag and li!t characteristics of arbi trary llissile-like body sbapes 
over a }ractical incidence range (about ! 200) to a limited accuracy(usually 9~) at subsonic, transonic 
and supersonic speeds . Although IIO"t of the }rediction methods incorporated are vall-proven, a nev 
procedure has been developed for the treatment of blunt-nosed bodies , vbereby Newtonian and 
perturbation theories are combined to provide improved comparisons vith a:periment at comparatively-
lev lllllinstreu Mach nUillbere (as low as 1,2), vell ava,y from the accepted limits for the application 
ot Nevtonian concepts . The llll1in deficiency noted by ~:oore , not surprisingly, relates to the trensonic 
flov regime , were an im}roved ~~~ethod is needed capable of dealing with blunt-nosed bodies baving 
discontinuities along the ogive . 

3 . 6 Excrescences 

Paterson 1 correctly obser9'es that most of the data currently used in the estiJDD.tion of excrescence 
drag at cruise vas obtained at lov 1-'.ach nwnbers and at comparativ ly low P.eynolds nUillbers, remaining 
largely unsubstantiated at the conditions a opriate to aircraft applications, However , an extensive 
research programme has been conducted over a period of y ars in the RA .. Bedford 8ft tunnel to determine 
the drag of some SO excrescence configurations immersed in the tunnel vall boundary byer, the teats 
covering a vide range o! ¥.acb numbers (0, 2 to 2 ,8 , excepting transonic conditions) and Reynolds 
numbers (up to 100 x 1 cfo at M=2) . This vork vas SUI!SW'ised by Gaudet and Winter 4 for the Conference 
in a form designed to encourage direct us e by the aircraft designer. Considerable insight has been 
gained into boundary- layer/ excrescence interaction, aa a result of vhich a much better assessment of 
boundary- layer and Mach number effects will now be possible for JDD.DY common types of isolated 
excrescences. As one could hardly hope to cover all pos sible excrescence and boundary-layer situa tions , 
a t tention should now be t urned to multiple arrays of excrescences , apart from filling some gaps still 
&!)parent for certain classes of excrescences (such as rivets, aerodynnmic fairings, inlets and outlets, 
and gaps in flyinG control surfaces), Careful model and flight research ~ill be involved and this is 
a field vhere collaboration could bri considerable benefits to all. 

6 The posit on is less satisfactory at high- lift conditions, where excrescence• not only cause 
parasitic drag but also often result in appreciable lift losses; the aircraft attitude or nap set t ing 
DillY well have to be increased in cOillpen&ation, w1 th additional indirect drag penal tie a, Even vi th 
care in design and developnent , direct and indirect excrescence urag can account f or 10% of the drag 
at climb out. SurprisinGly, this subject has received little systematic attention in the past; 
there i s virtually no published drag information in the field of nap IUid slat engineering , Admittedly, 
model-scale simulation is not easy and extrapolation may prove dif f icult, since such a:crescencea are 
comparable in size with the boundary layer, Nevertheless, useful ai~ research is certainly 
feasible, both at model scale and in night , This is r ecommended a s a much--neglected area vi th vhich 
AG~~ should concern itself in future . 

3 . 7 Hel copters 

A concise and instructivG revi 'ol of this subject vas presented by Wagner , 5 As designers aim at 
more eff.i.cient and econocrl.cal helicopters capabl e of increased sper.ds and er¥iurance, more emphasis DIUSt 
be placed on drag reduction. Sienificant associ ted benefits ceo inclu:le delays in the onset of blade 
stall and COI!Ipressibility effects , as well as important reductions in the oscillatory loads on contrvls 
and in cockpit noise and vibration levels, The main source of · ag increase vi t h forward opood is 
shovn to be fus ele.ce parasitic drag , Unlike rotor lift/drag ratio , vhich can no'o/ bo estimated with 
sonG confidence, tho parasitic dr cannot be so esl:.iJDD.ted largely because of the shapes involved, 
although a measure of the effective parasitic drag area can be obtuinod by analysis of rotor power 
variations vith forward speed , Wagner shovs that the JDajor parasitic drag contribution:~ arise 
from the basic tuseJ.aee, the rotor pylon and the landing gear, although the contributions from minor 
causes certainly should not be neglectea . Considerable advantages aris e from an ability to conduct 
full-scale vindtunnel t ests f or helicopter resear~• , within tho limits set by tunnel flow breakdown. 
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These include the possibility of measuring data frae from scale effect and of isolating the contributions 
of particular components, as well as the avoidance of major problems associated with the design and 
provision of scaled model rotors. The general question of improvad facilities for testing VSTOL 
models is a matter deserving, arxi already receiving, attention by AGARD. 

4 . .9/iSE DRAG AND SEPA.~TIO 

Flow separation pbenooena and associated drag penalties lie at the heart of most of the avoidable 
elements of the drag of an aircraft. The performance in cruise, the climb-out characteristics, IUXl the 
flying limits of an aircraft all are affected, if not determined, by flow separation considerat ions . 
It b hard to visualise bow appreciable pr-ogress is to be made vith drag J:rediction methods vithout 
substantial advances in this field, not only in general lmderstanding but also in the provision of 
quantitative desisn procedures of a versatile type. It was, therefore, disheartaning that no important 
advances in the treatment of tvodimensional or threedt.ensional flow separations vera discussed at 
this Conference. Bearing in mind the considerable time since the subject of flow separation was 
considered, it is r ecoiiiDended that this farm the theme or an early AGARD Specialists 1 Meeting . 

11 
In his excellent review paper on drae and separation, M.Sirieu stresses the basic importance 

or distinguishing between laainar IUXl turbulent bolmdary layers in the consideration of separation 
effects. At least to a limited extent, it is possible to categorise turbulent separation phenomena 
by reference to the general unsteady characteristics associated vith the flow. It is also helpful 
to differentiate in terms or the occurence of fued or free separation and reattachment conditions. 
Tha review paper considers the drng implications or different classes of separations and assesses 
availabla Jrediction me thods . Unfortunately, despite all that has bean achieved , a number of gaps 
still exist in the }X'ediction or drag, nen for tvodimenaional separations. 

In order to ir.IJrOVe our abilicy to cope vith more general flow separation phenomena, on the one 
band, it i s fundamental arxi abeolutely essential that ill}rond calculation ~~ethods be available for 
com}ressibla threedimensional rlscous flows vith attached turbulent bolmdary layers, IUXl, on the other 
band, that quantitative 110th ehould be devi sed capable of dealing vith the main typos of flov 
separations. The lat ter vill need to involft origi.niU. theoretical developaents, suitably supported 
and extended by hig~uallt.Y uperimental reseercb. It uy well JrOYe difficult to achieve adequate 
silllula tion of the separation pbenaa.1a a t .OO.el-ecalo conditions. Better ways will be needed to 
predi ct full-scale transition characteristics and flov separation boundaries. Im}roved unders tanding 
of shookv.&ve/boundary- la.yer interaction vill be e1111ential. 

The Jrediction of base flows and base pressures also leaves aleh to be desired. However , sOJM 
progress is evident vith atai-pirical ~~ethods (see also Section 5) providing grouods for future 
hope. There h reuon to hope tor substantial theoretical developments quite soon, through the 
a .. plica.tion of iaproved boundary-layer and wlte calculation Hthods . Thus, tvo specialised papara 
dealt vith particular aspects of base flovs . 

The use of blunted aerofoils can haft advantages at transonic conditions, pr-orlded t he drag 
penalties can be reduced, for instance by the addition of splitter plates and vedgea. Tanner 12 
bas extended his studies or this topic . He above hov the base drag peoalt;r can be ainiaiaed by the 
use of a tru ling-edge splitter wedge, ao that the sectional drag returns close to the value 
achievabl vith a oonventional sharp-edged section. It 1a argued that edvantageoua gen.-al 
aerod7namic characteristics can be o~ed, vithout •jor clnc penaltiea, by IM&DS of COIIpU'atively­
ainor changes to the viDg profile. However, Tanner•• inveatications aat be lillited in value by the 
abeence at proaent of test data at t.rauom.c apeeda, oontinllDg acceptable drag levels together vith 
.ore attractive ceneral characteristics. 

Adq 1.3 hu da.oostrated that practical coap&teriaed ~~ethoda can now bed evised tor the calculation 
of base and jet effects on bodies, pr-ovided recouree is ade to detailed iapirical .OO.iticationa to 
uteDd available theories, Npecially aa tar aa flov separation effects are concerned. Not 
surprisingly, jddy stresses the need tor illproved bolmdU7-lq.- separation criteria to aid analyaia 
of the ccaplex situations encOUDtered in practical dNlgu. It is quite clearly shown how valWlble 
and pollertul. a tool auch a Mthod can be to the design eagiaeer in achievini better inaight into the 
relatift illportance of, and interaction betweeo, ditterent dNi gn factor• by allowing ayat.atic 
nl~Mrical exper1118ntation; provided that the es81Dtial fNtures of the fluid d;rnaaioa have been 
incorporated faithfully. Such a prograa can also be or CODaiderable assistance in the deaign of 
.odel r eaearcb IJI'Ocr-S• u such Coapllter progr- are devised and prom, the;r vill increasingly 
1'Nture in aircraft deeign and optillisatioa procedures or a ·--tc.ated nature. 

The prediction ot the onset or buffet aDd drag vith inc14enoe are .telated topic• or illportance, 
apecial.lJ' in the design or aall. 111llt&r7 aircraft. The interpretation and application or the results 

or .odel~cale investications on buffet (u.s1Dg the procedure due to KaWT) baa been atlldied b7 McWberter,14 
including the effect or tlmnel flow qualit;r t.pr~te d..-4 uaential to allov .....,,ngtul 
predictions or aircraft buffetJ tollov1Dg the tartber tu:mel .oditicaticma (antioned 1A the Preprint), 
a aatiatactorr reconciliation hu been acbiend vith fiight l'MIIlte. It •- a pit7 that no atte.pt 
was ...Se in this paper to CIIIII1De the liak betw.a taDDel tlGII ..S erxtrapolation probl ... tor buffet 
inveatigatiou, and the prediction or aircraft clrag in the preatDOe of cdeoaive flow Nparaticma rrc. 
.odel~c:al.e in'Natications. 



The prusent position on drag and separation can perhaps be s'UIIIII&rised by stressing again the ;:,ed to 
denlop general quantitatin 11ethods capable of dealing vith threediaensional now separation, vith }< // 
..pirical IIOdif.lcations as necessary to achieTe practical deaign procedures. The main potential 
benefit is expected to lie in an iaproyed ab.il.it;r to design (at least in part) optial practical 
configurations tor which the full-scale behariour can be •tiaated vith aore confidence. at course, 
this v1ll not reaon the need tor confirmator;r IIIOdel experillentation at the earliest possible point. 
!a pointed out by Sirieix during the round-table discussion, iaprOTed underetaDding of IIOdel support. 
~ rr~~t! ~~~ ~~= ~ ~-lWGblv oidv bau.Il~. 

5. INTEllACTI611 OFECrS 

.urrr-propulsion e;rste. integration involne incr ... s1ngl.y-~rtant interaction effects tor 
all clueee ot aircraft. The need tor high-thrust supersonic aircraft and the adTent ot higb­
bypue-ratio tan engines ban resulted in larger engines baring greater iape.cts on the aircraft 
nov field and owrall pertorance. The aircraft range factor •;r veil not be iaprond, despite 
significant reductions in specific tuel conSUIIIption. .Although it is generally agreed that airfrsme­
propu.lsion interaction effects play an iaportant role in deteraining the aircraft perfo~ce, as pointed 
out by Antclaatoe, Surber, Iaughrey and StaT& 15 it is difficult to detel'llline their precise magnitude. 
Indeed, atteapta eo to do regularl;y lead to keen cont.ronre;r betveen specialists at the interface 
betvMD the a~ce and propu.llion disciplinel, &I an apparent deficiency can arise tr011 a Tariety 
of factors. Of ba1ic t.portance is the use or a c0111ietent and flexible accounting eyetem,6, 15 
espeeiill;r in tho ease or higb-byp&as-ratio engin... he degree of forelight achiem during the 
earl;r ltages or project forwlation is often ilwdequate and so the book-lt .. ping •thode need to be 
reri .. d and iaprOTed until the;r uteh the sophisticated llodel and flight-test tecbDiques nov r ... lible. 

In the reriev papar, Ant.onato. 15 deale in appreciable detail vith the series of inter-related 
11odel experiments which are necessary to study the effects ot the aiD nov and geometrical factors, 
to assess the neceuary corrections at IIC ' el scale and to crt.rapolate the r .. sults to full-scale 
conditions and Jractical configurations. SaletiMe, the •tilllltad int erference drag cOIIlpOIJildld by 
neb an approach can be reconciled eatietactor~ vith aircraft flight-test results obtain«! under 
caretull;y-controll«l conditions (see Section 7). HoveTer, there are often unaplain«l and serious 
differences bet fiight teet results and Jredictions bes«l on co•pretwnllin llodel teste. .U far 
as IIIOdel testing is concerDed, the «!equate eiaulation or nov effects relllllins perhaps the 110st iaportant 
technique problem to which a c011plete solution i s not ;ret apparent. 

It is certainly not possible in general to rel;r on theor;r to predict airfrue-engine interaction 
effects , although exi sting thecries are help!'ul. in proriding a tra..vork within which to analyse 
aper~t.al results and to develop empirical 11111thods. A D\aber of useful eemi-smpirioal Mthods are 
eonsequontl;r now available for preliminary' design p1rpose1 6,15. Hovenr, earl;r recours• to detailed 
specific research is certainly essential for each nev proj ect to detel"llli.M acceptable engine arrangements. 
Threediaeoeional compressible flow t heories should help in the future but need to be euppleJUDtad by 
quantitative methcxl s for thre«lilllensional boundaey layers and separated flow regions (IM Sections 3 and 1.). 
I n the lllll&ntiM, the growing body of good-1,uality aiMd research data in this field deeerTes careful 
analysis, preferabl;r on a col laboratin basis. 

The sel ection of airtr&ae-«lgine general arrang-t is coaplicated in practice by the need 
to consider a vide range of f a ctors, .-bracing most of the aeronautical disciplines. In the case 
or the high-bypass-ratio engine, as applied to a near-sooic transport, the cruise drag can be affected 
decillivel;r by a poor choice . Swan and Si galla 17 exaaine in interesting paper the relatiTe merita 
of conTentional underving and rear fus elage installations for jet transports, in c011parison with 
unconventional onrving arrangements. Careful analy1is supported by experiment is neceuary to allow 
a r easoned initial choice ot general configuration; this has to be followed by additional innstigations 
to develop a near-optimum arrangement. OYerving installat ioos are shown to offer vorthvhile 
adT&Dtages in respect of lift augmentation and noise shielding. It 1s d..anstrated that anticipeted 
problellll concerDed vi th adnrse effects on drag divergence spe«l and cruise drag can be allerlated by 
~ina tin application of av 11. bl() theor etical design cethods for subcri tical flows, supported 
by sui table aiaed research. 

c.e iaportant interaction effects arise at wing-body and other junctioos. There vere no papers 
directl;r concerned vi th general junction-fairing design lll8thods . The design of boundary-layer 
diverters for the constricted space betveen a nacelle and a body or v1ng IUrface is a related JrOblem 
which has been relatinly neglected. Peake and Ra1nbird 1 s paper 18 forma an elegant study diiiiOil­
strating how designPr l! ~an reeogr~~e arrangeoents which may result in flow separation res ions and the 
1118JUler in which drag reduc ions can be achieved by a sensible approach to detailed design. This paper 
underlines the need for a better apprccie.tion of threedilnensional flow separations; it does not 
suggest how progress is to be -.de , pe.r t icularl;r in developing quantitative methods . 

The installed drag of atarna1 stores is a Mjor component of the drag or a combat aircraft. Unless 
care is tak.n it can far exceed the sum of the tree air drag of the stores and their supports; 110reoT«r' 1 

strong associated effects can arise on the general aircraft characteristics, including limi:tations to the 
flight envelope. Pugh and Hutton 19 show ho11 this 110st complex JrOblc ce.n be approached a systematic 
analysis of the reasons for the interference effects . Significant alleviation of drag can often be 
aehieT«l merel;r by reducing the frec-4ir drag of the stores and supports . There ill also li.mited scope 
for the application or theory. Thus , for transonic and sup3rsoo!.c ~nditions, the draa of combinations 
M Y be reduced by the applicatioo of area-rule concepts. Once it ls }'Osllible to calculate tho flow 
field around an aircraft fitted vith stores in compressible flow and estimate the boundary-layer 
developa~ent, it vould seem feasible to predict the conditions appropriate to the onset or flov 
separations or supersonic nov. However, for the iAIDediste r~ture, ve 1111st agree with Pugh that simple 
sami-eapirical •thods for the prediction of inst'llled ling are likely to , revail. The po.per outlines 
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a framework within which such analyaea can be comucted . Jotuch data already exist in this field, 
including a certain amount from systematic research; there is certainly scope for collaboration in 
the design of future research programmes and in the subsequent analysis. Economic considerations will 
tend to limit the amount of full-scale testing of a standard suitable to provide essential confirmatory 
eomparisona with model test results. Recent flight/tunnel comparisons on the Buccaneer 6 should assist. 
PUeh rightly stresses that a sustained effort is justified on store instsllatio nl"ae: since the drag of 
combat aircraft ma:1 be reduced in this respect by an extent that cou:td hardly be achieved in other v~. 

6. HIP~OHC DRAG 

Despite limitations on research effort, considerable progress vas reported in hypersonic drag 
}rediction. The results are relevant to the flight of b,ypothetieal future long-range aircraft, as veil 
aa to the r-try stages of a space vehicle or strategic missile . As emphasised by Wuest 20 in an 
authoritatin review paper, satisfactory simulation of full- seale behaviour usually can be achieved if 
both Reynolds am Nach numbilT are r eproduced, using a variabllM!ensity tunnel. Some Jroblems are 
encountered due to different relaxation effects in tunnel and flight, suggesting a possible need for 
.ore attention to the qualit;y of the tunnel flows. As illustrated by the particularly \lldll diagram of 
tlov regimes included by Wuest (Fig 2 of paper 20) 1 high-altitude nov is characterised by 
1>--~> 0.01 • Three ~rain flow regimes can be distinguished, namely continuum tlov Me.~ <o.1 
the rarefied transitional TGgion, am free molecular nov Me.oo/Reco) J. 

For simple shapes, reliable experimental data have been gathered over a vide range of Reynolda 
number and theories are nov becoming available to explain the underlying flow pbenomena.20 Thus, 
Vallerani 22 Jr .. ents detailed ca.parisona of sphere drag measurements with theory, demonatrating 
that }redictiOIUI of sufficient accuracy can be made, provided use is made of empiricism. These atwiiea 
are ca.pl.emented by those of Wuest 20 for cylinders and conea , which reach siJailar conclusions. 

In b.yperaonic rarefied flow, the drag can conveniently be divided into temperatUTG-imependent 
}reaiNl"e drag, temperaturlMiependent preasure drag and friction drag. On blunt bodtes, the }reaaure 
drag is dcainaDt and rarefaction effects are small . For Blender ahapes, however, friction drag is or 
considerable importance, and show significant dependence on rarefaction,20 reaehin& a ll&ldmum nlue at 
a lnudaen nuaber around 0 . 5. Although relaxation and radiation effects do not ap}reciably affect 
the }r888ure drag, they influence the general now field, the shock atand-ofr distance and heat­
tr&Dafer rates. 

The position regarding pred ictions of the drag of realistic ahapea is leas fnourable, although 
good agreement can be achieved in certain areas (see .ul)gre, Matrand, and Se1bU1& 21) 0 Theory 
a~u-. ahowa a surprising degree of agreement with meaaur8l:lent, al though the asa11111acl tlova are 
eaaentially 'IIIU'epreaentatin (eg. strong interaction t heory). Attempts to interpret Haaur-nta on 
ca.pl.u shapes such aa ving-bodf cOI!Ibino.tions and re-entry shapes generally indicate a need tar 
further research. Lo\Mienaity non~uilibri11111 flows are particularly ccaplieated am difficult to 
}redict at present. 

"-raldrch and StUp 23 have provided an interesting account of wake analyaia at h;yperaonic speeds. 
Just aa at lov speeds , vorteX drag aa:i Tiseous drag can be differentiated by an&lf&is of the wke, ao, 
at hypersonic speed , the viscous drag and t he inviseid (entropy) components can be distinguished by 
aeans of s chlieren visualisation of the latter ccaponent, which can then be associated with the wave 
drag of the body. In the }resent approach , the density diotribution in the vake is infer red fro. 
movledge or meaaurement of t he bow shock geoe~etry ( in tact the latter could be used to e atimate the 
drag directly, aa ahovn by b) . If the wake density i s thus proscribed, then the derived wave drag 
1s in cloae agre-t wi th that which results from a similar wake analysis with the density assumed to 
follow a <>-uaaian diatributiCIIl (as propos ed by Webb) . 

In the atlldiea on 60° delta wings , described by A.ll\gre, Hatrand, and Scibilia, 21 the aerodynamic 
drq vaa found to be substantially increased in the transitional regime , where riseous and boundary­
la;rer displac•ent effects predominate, r elative to continul!lll flov . Under rarefaction conditions, 
close agreement is shown with strong interacti on theory. Control presents important problems closely 
related to drag far aircraft-like shapes at hypersonic s peeds . All\gre inelwiea some comparisons 
between solid am fluid a;;oiler controls; t he latter are ahovn to offer aome advantages, including 
reduced cootl'Gl drag incr .. enta. At }resent, the results are somewhat apecitic, lacking systematic 
innatigation of jet strength and geometry effeeta . 

In view of the limited ef fort available for future research on h;ypersonie drag , such research 
IIUSt be aeleetiYe, suggesting adnntagea from collaboration. Since calculation 110thods far simple 
ehapea al.rNd,y tend to be ecaplex, reliance will han to be placed on pragmatic approaches to drag 
predioticm fCTr aare complex shapes. The 110st important areas for future reaeareh were indicated by 
Wildt in the rOUDd-table discussion . In the fr84M110lecular regime, a'~tention should be concentrated 
OD gaa-eurface interactions. In the tranaitiooal regime, the min need appears to be an understanding 
or interacticm effects for more ccaplu shapes . Very strong viscous effects can be encountered in 
rarefied now and the adequacy of windtunnel corrections is questionable. In the rarefied 
continuua reg~, the key problem is the predictiCIIl of transition. 

7. T.ESTIID TECHlll UE3 AND FLIGRT/WINDTUNNEL CCMPARISOlf> 

Since the admittedly-inadequate state of aerodynamic theory requires such heaVf reliance to be 
placed on windtunnel aodel testa for drag }rediction purposes, tunnel nov requirements, .odel teat 
techniques and correction ~~athods deserved earlier and 110re complete treatment at tbis Conference. 
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AD autbor:l.tative r~viw paper should han introduced this Sessi"n• Admittedly, the various review 
papers oont..Uiled usetul contributions relating to this eubJect area. Thus, Butler 6 includea briet 
out11Dea of ·~ .aiD issuea, including observations on tunnel nov qu.allt.T requirements, Antonatos 15 
deals ~orougbly vith the teat •thods aasociated vith engine/airfrt.M interference problllllll, and 
Paterson 1 consider• test technique aspects in the context of the analyais of specitic aircratt 
re .. arch pro~s. Those particularly intereated in this eubJect are advised to consult these 
Revieve in the aboVe order Defore CIBIIellci.ng a at~ oi tJie papers ior this Seaaion. 

Q1 the other band, the Conference provided excel.lct conrage on flight-testing aapecta aDd 
Pateraon1 a paper should certainly be rMd from thia vievpoint. Rooney al~to contributed an outatanding 
paper 24 on flight-testing Mt!loda &lid flight/tunnel comparisona. This P'lP\ll' would have been 
r~kable even had it been confined to the comparbon of conventional (atatic 1 quui-atatic, &lid 
truly dynamic •aeurement or drag in flight. It describes the use or l!enaitiYe li.Ocelerometera to 
measure accurately ucees thrust in flight, together vith 1mprond IUid econllllical •thode for 
asseesing the installed thrust UDder dynamic conditions. The ralldom acatter ill acceptably lov 
and good ccmparisous han been achieved betveen results obta1Ded vith the alternathe flying 
tecbniquea. Surprisingly, no probleu appeu to han arilen fro. dynamic etrecta on the tbruat 
deterllination process. <llviously, the adoption of dynaaic test techniques would result ill great 
econCIIies in flight test costs, as vall as peraitting a vider conrase or the flight enYel.ope not 
possible vith static techniques. Hovever, in addition, Rooney includes oomprehensin COIIp&l'isona 
vith corrected &lid extrapolated IIOdel test data, conf1raing PateraOD 1s conclusion that good 
correlatioos can be achi~~Yed, provided the flight &lid IIOdel data are or high qualit)' aDd properly 
corrected. Moreover, RoODey ext.Dds the ranee of the ccaparilons to conr supersonic apeeds 
up to M = 2 (680 1dDg sveep) 1 &lid also inclllies reaults for low-epeed higb-J.itt oonfilurationa at ov 
v1ng aveep. Naturally 1 there are IOM areaa where reconciliation is at present inocaplete, part­
icularly the lll1n1mulll drag at eupersonic apeeda. Nenrthelesa, the overall asree~~~~~nt is aatoaillhingly 
good. 

In the nut paper, b.1 Pyle aDd Saltman. 25 can be found a variety or flicht research studies 
aDd ight-tunnel ccmparisons on unusual configurations. This paper v1ll rePQ' caret'l&l. stilly, for it 
shovs convincingly the rdvantages of a diagnostic &lid i.Jaaginative approach to flight reaearch. The 
110st significant results relate to ~se &lid boat-taU drag. Considerable ditferencea are ahovn to 
ui.st betve n model &IIi flight resulta, usociated vith the influence of tunnel and support 
interference aDd vi t h scale eftecta (possibly including •Jor variations in tlov separation 
phenomena). The possible use of boundary-lqer thinning to achieve boundary-layer tlOVII at IIOdel 
acale more representatin o! flight deeerna serious consideration. 

lithough it 1s true several Conference papera d1111011strate that acceptable reconelliatioas can be 
achiend betVMD JDodel and aircratt t111ts, the ditticultiea asaociated vith the correction and extra­
polation of IIOdel testa (partie!ularly as regards now silulation ettecta) &lid of •aiUl'ing dnc in 
fi1ght should not be UDdere1U..wd. Antonatoa 15 cOIIIIMilts on the considerable difficulties involved 
ill the conduct, analysis and interpretation of night teats, 1f overall asseuments are to be provided 
of the adequacy or othervise of drag predictioo methods tor engine airframe interactiOD effects; 
he stresses the need for suppl..entar,y flight investigations (euch aa detailed pressure pl.ott1ns) 
to allow convincing treatments of critical tlov regioos. More gl)lleral consider ations ot the probl1111111 
of aircratt thrust and drag determinatioo are included by Butlar.b It can be agreed that hlportant 
advances han been lllade recently alloving reliable assessment of installed. ~t and accurate 
deterJnination of (thrust-drag) me.rcins UDder dynamic conditions in tlight.4 There is alread7 a UK 
grou.p:>actively preparing guide-lines tor eel.ected classea of engine/airframe combination• and this 
group could vall serve as a focus for collabaratin research v1t.,..1n AGARD. or courae, it lll8t always 
be borne in llind Ulat i t i s one thing to perform a retrospecthe COIDpllrison or IIOdel and flight 
resulta, ud quite another to prepare and guarantee drag predictions fro• aillled IIOdel-acale research 
tor a new aircraft type. 

!part from the ahaence of a Review paper, already noted, unfortunately ere vere no specialist 
papers u-1 directly at the principal tunnel tlov qualit;y and test tech:l1qut probl1111111 tor the main 
types of complete unpowered models of aircraft. It 1s certainly debat&ble b whether the quality or 
current trow .. on1c vindtunnel nova can allov abeolute drag determination of the desired standard; 
~ch the saae applies tor teeting under higb-lift conditions . At least, the probl81118 of deterlllini.Ds 
the drag of civil and .Uitar;y aircratt models close to tranaonic epe.Us deoerved specific consideration. 

Milch interest was evident on tunnel-testing teehniquea, vhich pron di!IDI!nding 1t accurate drag 
meuurementa are required. Support interference and, above all, qine-tlov siliW.ation technique• 
are accepted as -Jor probl• areu. There 1s a general feeling thlit insufficient attention has 
been paid in recent :years to ccmparatin teste on repreeentatin datum IIOdele and eupport aya~J 
such research sponsored by AG1RD vould certeinly recein strong eupport at vorkUig level &lid should be 
directed particularly at the abon aspects. 

I 

1 viev 011 a particular aepect of rear ating interf'erence wu presented b.1 Pancett aDd Sld.th, 26 
the chosen test aodel representing a ahell. Although they shov that it 1s possible to reconcile, 
to a l1m1ted utaat, ~ ... IUl'_ta vith variation of sting length b.1 means of a a-.1~1r1cal 
approach, it 1s instructive that the reaidual variations etill exceed 5J ot the M&eured total drag 
at high subsonic speeds. Good overall agreement is obta1Ded betvec corrected data and an 
independent set of data; however, Fancett explains that it baa nc.t been pouible to conduct a 
critical uami.Dation or the latter. 

In a co.panio;;n paper, S:ylt .. 'Z1 diacu ... reaeuch etadiee on the etrect ot eting eupport 1.-.t~T 
on bue and boat-tall drag. The variation or ~•e pre11ure vitb ating diameter/bale di&Mter ratio 
1s shown to be essentially different tor cyl1ndric&l and boat-tailed bodiea. The boat-tall drag 1a 
affected b:y the sting diameter/bas~iueter ratio, al~ouch it does not depend l"atly on the CODical 
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flare shield. For subsonic speeds, a use!'Ul correlation is given relating the effects of sti.Dg 
length and flare angle on base presll\lreo Thie paper confirms the complex and sensitive nature of 
th interactJ.ons which can occur between a rear sting support and the local parts of a IIOdel. 
It undarlines the need for a fresh 1.1111essment of support techniques and a generally-cautious 
approach by r e11earch teama to the problem of correct ing model drag data for support interference. 

'!'~:: ::::."lcl~~ :;.apGi", ty llei~anl.W and Bailurel, 29 considers the JrOblema involved in the analysis 
of data obtained frcm tree--flight testing in a tunnel range. As long &II detailed and accurate 
trajectory data is obtained, it is shown that computerised analysis technique• can readily be devised 
which allow the e11tablislment of the variation of drag vith incidence and speed to an acceptable 
accuraa,r. The new method has been applied successfUlly to the anlysis of tests of specific body 
shapes in a hypersonic rellistic tunnel; typically, the drag coefficient hall been established to 
an accuracy of 1% over a vide Mach number range. 

B. CO CLUSIONS AND RECM£NDATIONS 

Ten main issues have been selected. Five relate to test facilities and methods, matters of 
vital importance in drng prediction. The other five are u-1 at the main opportunity alld 
problem areas. 

1) The:te is an urgent need to JrOYide a new generation of major transonic and low-speed 
vindtunnels, ca~ble of JrOviding flows adequate to allow high-quality drag measurements 
at elevo.t~d Reynolds numbers; 

2) Continued attention i s needed to the simulation of high Reynolds number conditions at model 
11cale, including the possible use of unconventional means such as controlled thinning 
or the model boundary layers; 

J) Comparative research should be sponsored on datum model and support arrangements in selected 
major tunnel facilities at high subsonic and transonic speedsJ 

4) Critical research progr&llllles should be arre.nged to develop an agreed appreciation of engine­
nov eimulation and auxiliary-teet techniques for use in engine/airframe interaction 
investigationeJ 

5) Thare should be collaborat on in the codificat ion of flight-test engine thrust deter­
mination methods and in the critical asaeasmec.t of dynamic flight-test drag measurement 
technique a; 

6) 'l'Vodimensional prediction method s already proven for conventional aerofoils should be 
extended to cope with supercritical flows, flow separations at elevated anglee of 
incidences, and lllul tiple high-lift configura tiona J 

7) There should be an early AGARD Specialists' Meeting on Flow Separations! imaginative 
lldvancea in the understanding and prediction of tvodimensional and threed.imensional 
nov separation pbeo-.. are badly needed tor incorporation in threedimenaional 
rlscous compreaeible nov drag Jrediction methods under developuentJ 

8) Collaboration ehould be arranged in good~uality drag mea.w-ements on coJIIDon excrescence 
arraye at cruise and on repreaentatiTe excrescences a t high lift; 

9) Considerable scope exis t s tor empirical analyses, guided bf sound physical understanding, 
aimed at improved design and drag e sti..mntion ~~ethods related to eneine/airframe and 
store-installation aspects; 

10) The 11mited effort available for b,ypcreonic drag research ahould be applied co­
operatively to the main probleme indicated by Wueet in the co:Jcluding discussion • 
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A SURVEY OF DRAG PREDICTION TECHNIQUES 
APPLICABLE TO SUBSONIC AND TRANSONIC AIRCRAFT DESIGN 

J • H. Paterson* 
D. G. MacWilkinsont 

W. T. Blackerby** 

SUMMARY 

Three aspects of aircraft drag prediction in the subsonic to transonic range are discussed: 

1. Prelim:nary estimation procedures 
2. Estimation using wind tunnel test data 
3. Wind tunnel -flight corre at1on 

J-1 

Inaccuracies in the approach to use of flat plates in friction, with appropriate shape factors, to predict profile drag 
are identified. Shope factor estimation may be inadequate due to use of obsolete empirical formulae, which are based on 
airfoil test data with mixed laminar- turbulent flow , and more significantly due to airfoils unrepresentative of current 
highly loaded designs with high viscous form drog. The success of new viscous flow solutions to predict drag and to inter­
pret twa-dimensional test data suggests that this approach will find increasing Jpplication in future work. 

Reliance on wind tunnel tests to determine component interference is still necessary, in view of the lack of suitable 
theoretical viscous solut ions in mixed flows. 

Attempts to use low Reynolds number wind tunnel drag levels to predict full scale drag are shown to be reasonably 
successful, providing that careful testing techniques are employed, and correct interpretat ion of test data is made. 

It is shown that full scale profile drag for the C-5A is predicted From wind tunnel data within a range 1 - 3% of flight 
data, using two alternative methods of scaling the results. The flight test data, analyzed in detail, confirm the predicted 
trends in profile drag w ith Reynolds number over a range from RN = 40 x lcP/MAC to 100 x lo6jMAC . Careful monitoring 

of the manufac turing tolerances during the development stage, togeth er with these results, suggest that the effective surface 
distributed roughness level .ll'e well within those values associated with smooth turbu lent flow, and that the methods em­
ployed for est imating the total roughness drag increment are satisfactory. 

NOTATION 

c 

c , 
a 
p 

Average flat plate skin friction coefficient 

Reynolds number 

Component shape factor 

Thickness/chord ratio 

Chord 

Section ! i ft coefficient 

Non-dimensional chord 

Pressure coefficient 

Normal force coefficient 

Mach number 

Section profile drag coefficient 

Non-d imensional semi-span station 

Subscripts 

W Wing 

A-h Aircraft tail-off configuration 

*C-5A Flight Sciences Manager 
t Aircraft Devdopment Engineer, Specialist 

**Senior Aerodynamics Engineer 

e 

£ 

Lift coefficient 

Drog coefficient 

Drag-divergent Mach number 

Profile Drog 

Aspect ratio 

Section pitching moment coefficient 

Pitching moment coefficient 

Reynolds numbers based on distance from 
leading edge 

Angle of attack of fuselage reference line 

Wing span efficiency 

Downwash angle 

1rfc Tail volume coefficient 



1.    INTRODUCTION 

Techniques for predicHng subsonic and transonic aircraft drag at full scale Reynolds numbers can be classified broadly 
into three approaches: 

())  Theoretical estimates requiring solution of the viscous flows around complete aircraft configurations. 

(2) Wind tunnel measurements at low Reynolds number, with extrapolation to full scale of the profile drag component 
using either semi-emperical flat plate skin friction or theoretical methods. 

(3) Empirical methods based on accumulated wind tunnel and flight test data on a variety of configurations, with 
parametric corrections to account for variations between one configuration and another. 

In the past, during the preliminary design phase of a project prior to wind tunnel tests, drag estimates have generally 
been based on method (3), combined with an estimate of full scale profile drag.   Today these estimates are more refined 
by inclusion of appropriate information from method (1).   Method (1) however, is still under development and, although 
theoretical three-dimensional viscous flow programs are available for isolated components, procedures for solution of the 
viscous flows around complete airplanes are yet to be developed.   In addition, most three dimensional viscous flow solutions 
are prohibitive from a cost point of view for preliminary design estimates, and thus the aerodynamic ist is forced to rely on 
less expensive and less sophisticated procedures.   In the future it is anticipated that improvements in computer technology 
and/or the development of integral methods will combine to produce the desired degree of sophistication. 

As the airvehicle design proceeds from the preliminary design phase to the project definition phase, preliminary 
drag estimates are augmented by wind tunnel tests, when possible, and procedures for correcting low Reynolds number 
wind tunnel test data to full scale conditions. In this phase there are two primary sources of inaccuracy, namely, the 
wind tunnel data and the extrapolation procedures. Indeed, further inaccuracies in flight test data and compensating 
errors may have contributed to misleading evaluation of the degree which correlation was achieved between wind 
tunnel and flight test data. 

Each stage of the drag prediction process, as it applies to subsonic and transonic aircraft, will be reviewed in this 
paper to identify the sources of inaccuracy, as well as the degree of correlation with test data for the C-5A and C-14IA 
configurations, achieved by various selected prediction techniques.   The accuracy of drag predictions by any of the qbove 
methods or combinations thereof, is largely dependent upon our ability to predict profile drag, since this component 
accounts for approximately 60 percent of the cruise drag of current jet transports.   It is appropriate therefore, to commence 
with a review of the methods of estimating profile drag of aircraft components, including empirical methods based on the 
flat plate approach and theoretical methods using trailing edge momentum considerations. 

2.    PRELIMINARY ESTIMATION PROCEDURES 

2.1    Profile Drag 

2.1.1    Review of Flat Plate Skin Friction 

The literature contains a vast amount of experimental data on plane surfaces at incompressible speeds.   The experi- 
ments range from the early water tank towing experiments to modem wind tunnel tests using sophisticated measuring 
techniques.   A significant number of tests are historical, having been conducted prior to 1950 by towing planks through 
water, primarily for use in ship design.  Many of the early experiments are characterized by inconsistencies in testing 
and measurir.    techniques.   Nevertheless, empirical skin friction formulae derived from these data have received wide- 
spread acceptance by hydro- and aerodynamicists.   This is particularly true of the Karmar.-Schoenherr formula developed 
in 1932 and still widely used by aeronautical engineers.   The authors (1) present a detailed review of the background 
testing and data on which this law is based.   Comments will be confined to a summary of that review and will emphasize 
the principal findings which relate to the subject of this paper. 

A selection of average skin friction test data from both water (open symbols) and air (solid symbols) experiments is 
shown in Figure 1.   (References 2 through 13) 

The intent of the study (1) was to identify the sources of inaccuracy from the voluminous test data available, and 
qualitatively assess the impact of these uncertainties on the correlation of drag predictions with wind tunnel and flight 
test drag results.   The principal observations to be noted are: < 

(1) Of the test data available, which form the historical background to Schoenherr's "mean line" analysis (7), 
significant scatter exists of the order of ±10%, particularly over the Reynolds number range up to 40 million, 
where the majority of experiments were conducted.   This range coincides with that for skin friction estimation 
on aircraft components, such as wings. 

(2) The basis for the variation of C, with R., in the range 100 to 300 million is solely from Kempf's wat«r tank tests 

of 40 years ago.   Beyond 300 million no basic data exist, although Schoenherr used Kempf's integrated results 
to extend these levels by his empirical formula to 450 million. 
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Tests in Water 

Investigator/Description 

Froude,   1B72 - 16,. 7fl, nnd 50 fc 
varnished planks. 

Gebers,   1908 - 160, 360, 460, 
652 cm planks. 

Symbol    Reference 

O (2) 

□ (3) 

(2) 

(4) 

O 
Froude Tank,  NPL,   1915- 3, 8, 
16 foot planks. 

Gebers 1919-125, 250, 500, 
1000 cm planks. 

Kempf,   1929 - Various plates, 
integrated by Schoenherr using the 
Schoenherr mean line. ^ (6) 

Kempf,   1929 - Basic local cf data 
for iron plate,   lacquered, waxed & 
polished; integrated graphically 0 (6) 

Kempf,  1929 - Basic local cf data 
for iron plate rubbed smooth, 
integrated graphically 0^ (6) 

Washington Unpublished,  1932 - 
20, 30, 40, 80 foot planks. ^ (7) 

Composite curve for 1/b = 0.   —     (5) 

Hughes,   1952 - NPL Tank; 
Composite curve for 1/b = 41.9.   —    (5) 

Tests in Air 

Investigator/Description Symbo 1 Reference 

Gibbons,  I9I5-9.5 foot glass 
plate. (9) 

Wieselsberger,  1925-50,  100, 
150, 200 cm planes. (10) 

Jones & Williams, 1937 - CAT, 
2 foot plank. (H) 

Smith & Walker, 1959- Flat 
plate, momentum defect method. (12) 

Smith & Walker, 1959-Flat 
plate, floating element method. (12) 

Winter & Gaudet, 1966 - Sidewall 
of 8 x 8 foot RAE tunnel. (13) 
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FIGURE 1.   SUMMARY OF EXPERIMENTAL RESEARCH ON FLAT PLATE SKIN '-RICTION 

(3) It is apparent from stud/ of the experimental techniques and resulting dota, that the magnitude of Cf in the 

Reynolds number range up to 30 million is conservative mainly due to 3-dimensionol effects.   This is confirmed 
by the work of Hughes (5), and to some extent by the data of Smith and .Walker (12).   In the range of R*. from 

3 million to 40 million, the maximum difference in scale effect between all data is of the order of ±0.0002 in 
Cf.   This would represent a variation in predicted full scale profile drag of a typical transport wing when scaling 

wind tunnel data of approximately i'J.OOOS in C-. 

(4) Although the Schoenherr mean line is a good representation of existing test data, substantiation of low and very 
high (RN > 500 million) Reynolds number skin friction is required by further research programs. 
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FIGURE 2.   COMPARISON OF EMPIRICAL FLAT PLATE SKIN 
FRICTION FORMULAE FOR INCOMPRESSIBLE 
TURBULENT FLOW 

Figure 2 shows a sample of mean C, data for 

fully turbulent flow from five empirical skin friction 
formulae, mostly from analytical research on skin 
friction.   None of these were evolved from a purely 
mathematical treatment of the flow over a flat plate; 
all contain some empiricism of the boundary layer 
parameters. 

In order to extend the range of validity of 
resistance formulae based on the 1/7 power law, 
substitution of the universal logarithmic velocity 
distribution law was made.   Schlichting obtained 
a modification to the Prandtl formula in this way. 
Calculations using the logarithmic velocity profiles 
become more cumbersome and therefore Schlichting 
derived an empirical curve fit given by: 

0.455 
W9 2.58 (1) 

This formula is shown plotted on Figure 2 as the 
Prandtl-Schlichting curve. 

Based on the work of Von Karman, Schoenherr 
was able to deduce an empirical formula which 
approximated the mean line he had placed through a 
collection of experimental skin friction data.   This 
has become the well known Karman-Schoenherr line: 

I 
4.13 log (R,^) (2) 

Schultz-Grunow (14) set out to investigate the application of the logarithmic laws of velocity distribution within the 
boundary layer of pipe flow to flow along a flat plate.   He made very careful measurements using plywood and metal plates 
mounted in the wall of a wind tunnel.   Two types of measurements were made:   velocity distributions within the free boundary 
layer and resistance of the plates.   One means of measuring friction was to directly weigh the drag on a movable rectangular 
plate mounted at various locations in a sector of the principal plate.   This was very similar to the movable plate technique 
employed by Kempf in his pontoon test. 

Schultz-Grunow's measurements showed that the velocity profile in the outer portion of the boundary layer of the 
plate deviates systematically upwards from the logarithmic velocity distribution law of a circular pipe.   Based or his 
results, he repeated the derivation of the resistance formula and obtained the following formula: 

Cf = 
0.427 

(log I*! - .407) 
^64 (3) 

The more recent paper written by Spalding and Chi (15) reviews some twenty theoretical treatments of the turbulent 
boundary layer on a smooth flat plate.   The major characteristics of these theories were summarized and their predictions 
compared with available experimental data.   The root-mean-square error for each was computed for evaluation purposes, 
and a new calculation procedure was developed based on the accumulated knowledge.   Consideration was not limited to 
the incompressible case. 

Use of the Spalding-Chi equations directly is somewhat tedious in that an iterative process must be used wherein the 
variation of local skin friction coefficient with Reynolds number is first determined and then the mean skin friction is com- 
puted for a given combination of local skin friction and Reynolds number. The variation of mean skin friction with Rk 

shown for camperison purposes in Figure 2. N 

The final curve shown in Figure 2 is that due to Winter and Gaudet (13). 
of the Winter-Gaudet equations require an iteration process. 

Like the Spalding-Chi method, the solution 

The maximum difference in scale effect from use of these formulae is about 0.00014 in C, over a typical range of 
6 6 

Reynolds number» from 3x10   to 40 x 10 .   Those two formulae most often used, namely the Prandtl-Schlichting and 
Karman-Schoenherr, however, produce an almost identical scale effect.   Of more significance is the fact that most of 
these analytical treatments are based on test data with inherent scatter indicated in (I) above of ±10% over this Reynolds 
number range. 
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2.1.2    Two-Oimensional Airfoil Profile Drag 

Two ospects of the esHmation techniques used in the calculation of two-dimensional airfoil profile drag are discussed. 
First, the empiricol approach used in preliminGr" estimntes is reviewed and some of the inherent limitations identified. 
Secondly, a theoretical approach is described and comparisons of theory and experiment are presented to establish the 
degree of correlation achieved. 

It is assumed that for attached flow conditions, 

Cd     =  Cd 
+  c. (4) 

where c , is the minimum profile drag occurring at some optimum c., and c ,       is the lift-dependent profile drag 

P  • P rmin c. 

which is primarily a function of airfoil thickness, camber, and trailing edge angle.   Both terms depend on Reynolds number 
as a result of viscous modifications to the boundary layer and pressure distribution.   For the purposes of this analysis,  the 
first component in equation (4) can be further defined as 

=  (S.F.)  x   2C (5) 

;\ 

where C, is the skin friction of the equivalent flat plate with zero pressure gradient for the same transition location as the 

airfoil.   Thus,  in this analysis we define (S.F.), or shape factor, as the sum total of all the thickness and viscosity effects 
inherent in the airfoil characteristics and manifested as minimum form drag. 

Hoemer (16) has shown, from a collection of early data, that the shape factor for sections with maximum thickness 
at 30% chord can be represented empirically by 

(S.F.)  =   l + 2(t/c)+60(t/cr (6) 

where the second term represents the drag due to increase in local velocity over the section, or supervelocity.   This can be 
shown for incompressible attached flow conditions to be 

(t/c) =  (Av/v )  = 
o (i - cp) 1/2 

1 (7) 

The third term in equation (6) represents the viscous pressure drag effects. 

Figure 3 presents a summary of a preliminary study in which the objective was to determine the method which pro- 
vided the most realistic estimation of two-dimensional airfoil form drag as represented by the factor (S.F.) in equation (5). 
Where possible, sections of thickness close to 12%c have been chosen, typical of the average values used on modem 
transport aircraft wings. 

The experimental data shown in Figure 3 are derived from two sc ■ ces:   (1) NACA (17), and (2)   Lockheed-Georgia 
(18), (19).   It was found that most of the early NACA data are not ideally suited to accurate assessment of airfoil form 
drag.   This is because the testing techniques employed favored either free transition or the application of an oversized 
roughness band applied around the leading edge.   Hence, in the first instance correlation of measured drag with transi- 
tion location was in most cases not possible and, in the second, accurate estimation of roughness drag was not attempted. 
For the present analysis, only transition fixed data has been used and corrected for an estimated transition strip drag of 
10 counts, which is considered reasonable for the low range of lift coefficients pertaining to this analysis. 

The Lockheed-Georgia data are taken from a research program on a series of airfoils derived from the basic C-5A 
section.   Profile drag was measured by the wake traverse method.   For the purposes of this analysis, it is sufficient to note 
that these airfoils generally conform to the principles of obtaining high loading characteristics by leading and trailing 
edge modifications and therefore differ somewhat to earlier, more conventional types.  These data have been corrected 
for 8 counts of transition strip drag.   This correction will be discussed later in more detail. 

In addition to the experimental data, a number of estimates for the C-14I section at 0.389 x semispan and airfoil 8 
(C-5A) of the Lockheed series are included. 

These estimation methods are: 

(1) Supervelocity as in equation (7), using measured pressure data. 

(2) Thwaites' incompressible formula (20). 

(3) Lockheed-Georgia Subsonic Viscous Flow Program (21). 
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The large spread in value of (S.F.) at t/c = .12, in- 
dicated in Figure 3 is a result of parametric differences in 
camber, maximum thickness location and aft loading which 
all contribute to form drag.   No attempt has been made to 
correlate the data for these effects.   Certain features of the 
various methods are, however, noted; 

(1) In general, experimental form drag for the 12% 
airfoils lies within the range 30% to 50% of flat 
plate skin friction. 

(2) Estimates by the average supervelocity method for 
airfoil 8 and the C-14I section, using measured 
pressure data, are 10 - 15% lower than experi- 
mental data.   The empirical result from Hoerner's 
equation also produces a low value of shape 
factor.   (The use of a supervelocity method for 
three dimensional profile drag estimates will be 
discussed in subsequent paragraphs.) 

(3) The experimental results are in better agreement 
with the range of values given from the R.A.e.S. 
Data sheets (22). 

The values of shape factor for the C-I4IA section from 
experiment, Thwaites and Lockheed theory agree within 5%, 
whereas the value predicted by the mean supervelocity process 
is 13% lower than the average of these figures.   This indicates 
that assessment of the total airfoil form drag from viscous 
effects in attached flow conditions requires the application 
of the boundary layer methods typified by the Lockheed theory. 

Lift Dependent Profile Drag   -   Assessment of airfoil 
profile drag variation with angle of attack for preliminary 
estimates is usually based on empirical correlation of wind 
tunnel test data from transition free and fixed tests.   It is 
important to note that careful interpretation of test data is 
required in order to determine the true variation of profile 
drag, both skin friction and form components, with angle of 
attack.   At full scale Reynolds numbers, only fully turbulent 
boundary layer conditions are pertinent; since low Reynolds 
number test data with free transition often produces an 
erroneous variation of drag with lift due to forward movement 
of the minimum pressure point, fully turbulent test data are 
required. 

An example of the type of preliminary estimation pro- 
cedure employed is given in Figure 4, where the drag due to 
lift variations with angle of attack are referred to the equiva- 
lent flat plate friction for any Reynolds number and transition 
condition.   The results for a number of 4 and 5 digit series 
airfoils are shown as the ratio 

(CfFI>/CfFPopt)     verSUS   ^ 

(c, - c, 
opt  

I        "'I     > 
max       opt 

c,       is assumed to be approximately 10 y/c, where y/c is 
opt 

the ratio of maximum ordinate of the section camber line to 
the chord line.   The data are applicable to partially laminar 
and fully turbulent sections with maximum thickness located 
at x/l ± 0.30.   The drag of 6 series sections are predicted 
reasonably well at (c, - c.     )/{c, 

opt max 
beyond the laminar 'bucket. " 

'I )^ .30, i.e. 
opt 

•  NACA 63006 B AIRFOIL 16 
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Two-Dimensional Viscous Flow Theoreticol Program   -   In addition to the empirical estimation procedures available, 
the aerodynamic analysis of wings for modern subsonic aircraft demands analytical tools that are fast, inexpensive, and 
sufficiently accurate to discern subtle differences between project configurations.   The analytical tools must be reliable 
and correlated so that their limitations are well established.   All significant aerodynamic factors must be included in the 
analysis.   One such program which is finding increasing use is a two-dimensional theoretical method for computing airfoil 
profile drag, already introduced briefly in the preceding paragraphs. 

The two-dimensional viscous compressible pressure distribution program (TDVCP) (21) comprises potential flow and 
boundary layer theories and an iterative process that incorporates viscous effects into the airfoil pressure distribution. 

The potential flow method used in this program is that of Weber (23),   The Karman-Tsien compressibility relation- 
ship (24), is used to correct the incompressible pressure distribution for Mach number effects. 

In the laminar portion of the boundary layer, only the momentum thickness up to transition Is calculated.   To 
calculate the development of the laminar boundary layer momentum thickness, the Thwaites formula with the Stewartson- 
lllingsworth transformation (25),  (26), (27) is used.   The displacement thickness in the laminar boundary layer region, 
which is used in the iteration scheme,  is obtained from a parabolic extrapolation of the turbulent boundary layer forward 
to the leading edge of the airfoil.   This assures a smooth airfoil for subsequent iterations.   The program checks at each 
calculated point to determine whether the input fixed transition location has been reached,  if laminar short bubble 
separation has occurred '28), or if transition is predicted by Michel's method (28). 

The turbulent boundary layer is calculated by the theory of Nash (29), using the momentum thickness of the laminar 
boundary layer at the point of transition as a starting condition.   A complete set of turbulent boundary layer parameters is 
calculated downstream to the airfoil trailing edge.   For the incompressible case,   this theory uses a modified Ludwieg- 
Tillman skin friction law.   The boundary layer is assumed separated if a local value of H equal to 2,4 is reached. 

The boundary layer thickness effect is applied as a correction to the velocities in the solution obtained with the 
modified camber and angle of attack.   The corrections to the velocities due to thickness are obtained by first calculating 
the potential flow on the basic thickness distribution of the original airfoil shape.   Secondly, the potential flow is calcu- 
lated on a body formed by adding the average boundary layer displacement thickness and the wake is taken as formulated 
by Powell (31).   Finally,  the difference in velocities obtained from the two solutions is applied as a velocity correction 
to the equivalent airfoil solution obtained with only camber and angle of attack viscosity corrections. 

The newly defined airfoil having a revised camber,  thickness and angle of attack is then used to determine an 
equivalent "inviscid" pressure distribution.   The process outlined represents one step in an iterative process.   The number 
of steps required to establish convergence varies with different airfoils, but five to ten iterations are usually sufficient, 
A convergence check on c. is used to terminate the calculations. 

Upon completion of the iterative process,  the airfoil lift and pitching moment are integrated from the pressure 
distribution, and the two-dimensional drag is calculated by integration of the momentum integral equation along the 
wake by the method of Squire and Young (32) and application of the Stewartson transformation.   This calculation is 
performed for both upper and lower surfaces and added to yield the two-dimensional drag. 

New research is under way at Lockheed-Georgia by Goradia under NASA contract (33), to develop profile drag 
methods which account for assymmotric wake development pertaining to cambered airfoils at angle of attack.   Data 
presented in the current paper, however, refer to the theoretical methods which use the Squire and Young momentum 
equation. 

■ 

i ■ 

The two-dimensional drag rise Mach number prediction included in this program is keyed to the "rapid" drag rise 
Mach number as defined by dc ,/dm = 0.05 at constant angle of attack.   Using this drag-rise definition,  Sinnott (34) 

following the observation of Nitzberg and Crandall (35) showed that the experimental drag rise Mach number agreed well 
with the occurrence of sonic conditions at the crest of two-dimensional airfoilf.   This observation has been utilized in the 
drug rise prediction method for two-dimensional airfoils of the Royal Aeronautical Society (36).   The Lockheed program 
incorporates basically the RAeS method to calculate the drag rise Mach number.   It has been extensively correlated (37) 
and found to predict lift, drag and pitching moment data that agree well with experiment for conditions of attached sub- 
sonic flow.   The drag rise Mach number predictions agree well with experiment when used in conjunction with pressure 
distribution criteria (37).   It is appropriate at this point to show some of these results to illustrate both the accuracy and 
limitations of the program.   Most of the experimental data were obtained from tests (18) (19) in the two-dimensional 
facility of the Aircraft Research Association in England. 

Figure 5 shows a comparison of the predicted viscous pressure distribution with experiment for airfoil 3 at a lift co- 
efficient of about 0,42 at M = 0,64 and R^ = 6.8 x ]Cr/c.   This airfoil has a slightly "peaky" characteristic with very 
little aft loading.   Agreement between theory and experiment is good, but the program underestimates the uncambering 
effect of the boundary layer.   Figure 6 shows a similar comparison for airfoil 12 which is a peaky, aft loaded, advanced 
technology, airfoil.  The agreement between theory and experiment is quite good, even in the highly loaded aft portion 
of the airfoil. 
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Figure 7 shows a summary of the force data for airfoil 3 at M = 0.64 and R.. = 6.8 x 10 .   The dashed lines are the 

inviscid potential flow lift and pitching moment data for the airfoil.   The solid lines are the predicted viscous data esti- 
mated by theory.   The symbols ar* experimental data from the test program mentioned above.   This figure shows how the 

viscous iterative scheme moves the predicted data from the potential flow value towards the experimental results.   There 
is still some disagreement between the viscous prediction and experimental data, which may be due to damping mechanisms 

in the iterative scheme, or to the experimental technique. 

The amount of disagreement varies from one cilrfoil to the next as shown in Figure 8, which presents a similar set of 

predicted and experimental force data for airfoil 12.   In this case, the agreement between theory and experiment is better 

than for airfoil 3. 
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Figure 9 shows predicted c. v$ c . for oirfoil 3, for transition at I ]% chord.   The experimental free transition point 

was at approximately the .same location and the experimertal drag values agree closely with predictions. Of further 
significance is the fact that the shape of the c. vs c , polar is accurately predicted up to the c. where supersonic flow 
appears on the airfoil. 

The predicted variation of drag with Reynolds number for airfoil 3 at M = 0.75 and a = 0 is shown in Figi re 10 for 
transition at 2% chord and 11% chord.  The free transition test data shows a movement of transition with increasing 
Reynolds number up to a point between 2% and 11% chord at R.. = 5.5 x 10* where the transition point apparently 

stabilized.   For higher Reynolds numbers, the drag follows the predicted curve closely.   These data show the predicted 
variation of drag with Reynolds number to be correct. 
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Substantiation of the variation of drag with increasing Reynolds number is shown in Figure 11 for NACA öS»., - 114 

airfoil where experimental transition locations were known.  Again, agreement is good, particularly at the lower Reynolds 
numbers.  The agreement at high Reynolds numbers is essentially the same as that shown by Osbome (38). 
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Figure 12 shows the same data on airfoil 3 as were shown 
in Figure 10, but with the addition of fixed transition data 
from the same test.   The fixed transition data has a higher 
drag level than the analytical prediction for transition at 
2% chord.  Also, the fixed transition drag level is about 
0.0008 in c , greater than that of free transition at the 

higher Reynolds numbers.   These observations indicate 
that roughness drag due to the transition strip was present 
in the fixed transition data.   This was supported by the fact 
that the roughness diameter was double the calculated 
boundary layer height at the same location for the higher 
Reynolds numbers tested. 

The momentum thickness magnification effect devel- 
oped by Nash (39) was applied to the calculated boundary 
layers for transition at 2% and 11% chord respectively, to 
produce the predicted drag plus incremental roughness 
drag curves shown in Figure 13.   These two curves were 
intended to brocket the conditions of transition at the 
oversize roughness strip or transition ahead of the rough- 
ness strip.  Agreement between the prediction and 
experiment is good.   At the lower Reynolds number, the 
experimental data matches the curve based on laminar 
flow to the roughness strip, which is compatible with 
the transition location implied by the free transition 
data. 

■MIM  MM       • • 
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Figure 14 shows an analysis of a Lockheed-California Airfoil (No. 4) that was also tested at ARA. The test data are 
from a free transition test at M = 0.649 and Reynolds number of 2.5 x ICr. Theory predicts separation of the lower surface 

at c. values less than 0.2 and separation of the upper surface at c. values above c. = 0.55.   These two separation conditions 

are reasonably well supported by the experimental data.   The free transition prediction shows that transition moves from 70% 
chord at c. = 0.25 up to 14% chord at c. = 0.55.   The experimental data, however, shows little variation in drag and follows 

the predicted c , vs c. curve for transition at 14% chord almost exactly.   On the basis of this comparison, it was decided that 

extensive regions of laminar flow at low c. conditions were not obtained in the experiment. 

These examples serve to illustrate how analytical methods can be used to examine trends in experimental data and to 

increase confidence in use of data where certain subtle difficulties such as roughness drag, local separation, etc., could 

have made the data unusable. 
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The drag rise Mach number predictions are based on 

reasonably well established methods (36) but it is considered 

worthwhile to illustrate some capabilities and limitations 
identified from correlation studies.   Figure 15 shows the 

predicted and experimental M-. - c. boundary for airfoil 3. 

This airfoil is 10% thick and is designed to carry most of the 

loading on the forward part of the airfoil, with a small leading 

edge peak.   The result is that the airfoil has a relatively flat 

lo/er surface and considerable curvature in the mid-chord 

region of the upper surface.   This airfoil has a modest drag 

rise Mach number which is limited by the upper surface 

conditions at all positive lift coefficients.   The agreement 
between theory and experimental drag rise Mach number is 

good. 

Figure 16 shows the theoretical and experimental drag 

rise Mach number data for airfoil 27 which has a flat top 
design pressure distribution with all of the loading on the aft 

part of the airfoil, at the design lift coefficient of 0.2.   The 

theoretical drag rise boundary is composed of two lines which 

interwct at aboutC. =0.35.   The upper line represents the 

C. - M , boundary for drag riie due to the airfoil upper surface 

while the lower line represents the boundary where drag rise 
is caused by the lower surface.   Again, the agreement between 

theory and experiment is good. 

/ 
/ 

• 

•' 
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Airfoils 28 and 31 were designed to study the effect of lower surface pressure distribution shape on drag rise Mach 
number.   Both airfoils have the same upper surface.   Airfoil 31 has tK1 minimum C   on the lower surface at the crest and 

airfoil 28 has the minimum C   ahead of the crest, somewhat similar to a peaky upper surface pressure distribution.   Figure 

)7 shows that while the predicted Mn boundaries for the lower surface differ by a small amount,  the experimental Mp. for 

the peaky type lower surface is 0,025 greater than the prediction.   Of significance is the fact that the high c, drag rise 

Mach number, which is determined by the peaky type upper surface, also exceeds the predicted M- by 0.025.   This 

comparison illustrates that suitable pressure distribution shape criteria can lead to airfoil performance that exceeds the 
predicted M_ boundary. 

Figure 18 shows experimental and theoretical M- boundaries for airfoil 13.   This airfoil has a peaky type pressure- 

distribution, but the shape of the recompression region aft of the peak is more triangular than peaky in nature, so the 
airfoil drag rise falls somewhat short of the predicted M-. boundary.   This airfoil as well as the comparison in Figure 17 

is presented to illustrate the need for pressure distribution shape criteria (37) as a necessary supplement to the predicted 
Mr C. data. 
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2.1.3   Wing Drag 

The calculation of finite wing profile drag is accomplished by a strip theory analysis using the basic section data 
either from empirical estimates or theory.   For the purpose of this program, the boundary layer crossflow components are 
neglected.   It has been shown that if the crossflow components of the boundary layer on a swept wing are neglected, then 
the best approximation to the development of the boundary layer can be made if the boundary layer parameters are calcu- 
lated in the effective direction (40).   For a theoretical approach, the computer program uses a set of streamwise section 
ordinates for selected spanwise stations.   The sweep angles of each constant percent chord line are used to convert the 
ordinates into effective swept sections.   The problem is then reduced to one of calculating the pseudo - two dimensional 
boundary layer and profile drag as described in the previous section.   Streamwise corrections to C . are obtained using the 

\ 
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method of Cooke (41).   Finally, the streamwise section drag 
data are integrated across the wing by strip theory to produce 
total wing profile drag.   An example of C-141 wing profile 
drag, computed for four Reynolds numbers is given in 
Figure 19.   This shows both the scale effect on Cp. 

PMIN 
and some dependence on Reynolds number of the lift- 
dependent profile drag. 

Wing drag-rise prediction is now discussed, using as 
an example the C-5A wing.   A strip theory analysis of the 
drag rise Mach number of the C-5A wing is shown in 
Figure 20(a), (b), (c).   The plots of c. (available and 

actual) are shown for M = 0.75, 0.77, and 0.80 respec- 
tively.   The c. available at a given Mach number was 

obtained from the predicted section M-~C| boundaries. 

The wing C. was increased until the local c. distribution 

just touched the c. available line.   The corresponding C. 

was taken to be that value at which drag rise would occur 
for the wing at that Mach number. 

Following this procedure for three Mach numbers, a 
wing C. ~ M^ boundary was constructed as shown in Figure 

21.   The flight test MD ~ C. boundary for dC-VdM = 0.05 

is shown.   Near the design C. of 0.45, the predicted M-. 

boundary is exceeded because the wing develops a good 
peaky type pressure distribution and even at off design 
conditions, the benefits of the peaky pressure distribution 
are quite significant. 
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2.1.4    Bodies 

Preliminary estimates of fuselage drag in incompressible 
attached flow conditions are based on established methods for 
equivalent bodies of revolution; in the case of transport con- 
figurations with parallel center sections, and cambered fore- 
and-after bodies, careful design of these contours can minimize 
excess pressure drag to acceptable levels. 

A number of wind tunnel test results on different types of 
fuselage have been selected to correlate with the empirical 
method as shown in Figure 22.   Only data where model support 
corrections were known are used.   Also, transition was fixed 
in all cases near the nose of the model.   Minimum profile drag 
was estimated by Young's method for axisymmetric bodies, 
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given in RAeS Data Sheets (42).   The shape factor was derived 

by referring this drag level to the equivalent flat plate value 

from the Korman-Schoenherr formula.   The favorable form 

drag over the center parallel section is accounted for by 

arbitrarily defining the overall fineness ratio as d      /I » + 
' max'   A 

L + 2 d       .   The figure shows incremental pressure drag to 
B max r 

increase significantly above d      /I ssO.l, but even for a 
* ' max 

typical fineness ratio of 0.15 the incremental pressure drag 

is only about 5% above the idealized level.   Actual trans- 

port designs indicated by the horizontal arrows show that 

even with upswept afterbodies, the excess pressure drag can 

be maintained within this figure, approximately equal to 

3-5 aircraft drag counts. 

2.1.5    Other Components 

The profile drag of other components are estimated 

using essentially the same methods as outlined above.   These 

include empennage, pylons and discrete protuberances such 

as wheel well fairings.   Nacelle drag is treated independently 

in later sections. 

2.2    Induced Drag 

Induced drag due to trailing vortices on a finite span 

wing is calculated by the method of dauert (43).   Prelimi- 

nary work may require detailed parametric trade studies to 

optimize wing span loading for satisfactory levels of 

(*CiJir>), C, and cruise induced drag.   A number of 
■MO' 

MAX 

computer programs are in use to calculate wing-body span 

load distributions as a basis for vortex induced drag esti- 

mation.   These include the following, which represent an 

increasing degree of accuracy and sophistication. 

(i)       Vortex Collocation Lifting Surface Theory for 

Planar Wing-Body Configurations (44). 

(ii)      Non-Planar Vortex Lattice Program for 

Arbitrary Configurations (45). 

(iii)    Linearized Wing-Body Interference Program 
(46). 

A typical excmple of the capability of these programs 

is shown in Figure 23, where results from program (ii) are 

compared to test data. 

2.3    Trim Drag 
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The change in configuration drag required to trim an aircraft about its center of gravity is defined as 

:D =  ACD   +  ACD 
TRIM "i "TAIL 

(8) 

where AC^   is the increment in wing-body induced drag due to compensating, by wing lift, the tail load required to trim 
i 

the aircraft, and 

AC =  AC 
ÜTAIL UP 

+ C 

TAIL 
D. 

+  C. tan e 

'TAIL ^A,L 

(9) 

Note:   Cp is normally included in the airplane profile drag build-up and not in the trim increment. 
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, In preliminary estimation procedures, the most important component to recognize is the wing induced drag effect, 
/'/7     ACn , which can be derived from the change in tail load required to trim by 

CMO + CLJ^) A-h 

TAIL 
V<r (10) 

Thus, estimation of C.    and dCm/dC. are required for the wing-body configuration.   The non-planar vortex lattice pro- 
M0 

gram calculates wing-body lift and pitching moment characteristics for this process.   Examples of the correlation between 
theory and experiment for a subsonic transport configuration are shown in Figure 24. 

M = 0.7 
More refined trim drag estimation through recognition — THEORY 

of the generally small changes in the tail components can be o EXPERIMENT 
obtained by use of established techniques for estimating pro- 
file drag and wing downwash (47). 

2.4    Interference Drag 

Aerodynamic interference between aircraft components 
in close proximity is fundamentally the result of increased 
supervelocities, pressure gradients and boundary layer con- 
fluence at the [unctions, and may lead to premature 
separation in some cases.  While theoretical viscous flow 
methods for predicting wing-body interference have not 
been developed, potential theory can provide guidance 
in the initial shaping of [unctions, thereby reducing the 
required amount of experimental development efforts.   In 
the preliminary design stage, interference drag, other 
than the effects of the fuselage and pylon-nacelle on 
wing induced drag, is usually taken to be negligible at 
the Lockheed-Georgia Company, with the assumption 
that this goal can be achieved during the normal wind 
tunnel phase by appropriate filleting, as shown during 
the development of the C-5A configuration (48).   This 
goal is not always achieved, however, or even attempted 
by some design teams, as witnessed by several aircraft 
development programs during recent years. 
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FIGURE 24, CORRELATION OF LIFTING SURFACE 
THEORY WITH EXPERIMENT 

Other component interference, for example, pylon/ 
nacelle/wing and empennage interference is minimized as far as possible by designing for smoot'i area distributions and 
optimum contouring to avoid excessive supervelocities and adverse pressure gradients.   The favorable effects of installing 
pylon/nacelles under wings will be dealt with in some detail in later sections. 

2.5    Correlation of Predicted and Wind Tunnel Wing Drag 

The wing drag component can be expressed as 0 

WING nARe 
WING 

(11) 

where C T is the profile drag,  including variations awoy from the optimum C. for minimum drag, and C. /rrARe is 

WING 
the vortex induced drag comprising the net effects of a non-elliptic span load distribution. 

During preliminary calculations of the configuration drag, a number- ff approaches to the estimation of profile drag 
are available as already indicated in previous sections.   Examples of iome of these are given in Figure 25(a), (b), (c).   The 
data are from three Lockheed-Georgia transport configurations, the C-I4IA, the C-5A and an advanced transport design 
study LGX-124,   The tests were conducted with transition fixed, and data for M = .700 hove been chosen to represent sub- 
critical conditions, although at off-design C. some degree of supercritical flow is inherent in the test results, and this must 

be borne in mind when reviewing the comparisons.   Test data for "wing-alone" is obtained by subtracting fuselage-alone 
results from wing-fuselage data. 

Five methods have been investigated for estimating profile drag; 

1(a)    C, x   (SFL - ,,,, +     .i.    , where e is calculated from experimental span load distributions, and Cf is the 

spanwise integration of the local chord values of Cf. 
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FIGURE 25.  WING DRAG PREDICTION 

(c)   LGX-124 

, 

I 

1(b) As 1(a), with shape factors from average supervelocity based upon measured pressure distributions. 

1(c) As 1(b), with C, based on the Reynolds number of the mean aerodynamic chord. 

II Profile drag from the subsonic viscous flow program (Section 2.1.2) using test pressure data as input. 

III Profile drag from the subsonic viscous flow program using geometrical data as input. 

Comparisons of the test data with estimates reflect the degree of wing-body interference for each configuration, as 
well as the accuracy of each estimation method.   For the C-I41A configuration, Figure 25(a) some excess profile drag was 
known to be present, even though this is a high-wing configuration.   Methods 1(a), (b), and (c) appear to disagree by 10% 
at typical cruise C, whereas methods II and III predict C-   and the variation of C- with C. within 3% of the experimental 

results.   These differences essentially reduce to the estimated values of C- from each method.   The shape factors 

PMIN 
derived from methods 1(a) and (b) are less than the implied shape factor from III, again indicating that the viscous theory 
accounts for substantially more form or pressure drag than the other methods.   It is interesting to note that one of the 
common methods of estimating wing flat plate skin friction, 1(c), by representing the wing Reynolds number by the MAC 
value, gives closer agreement to III.   This approach is satisfactory only for wings with moderate taper ratios (49). 

The comparison for the C-5A studies, Figure 25(b), show similar results.   The test data for the LGX-124, Figure 25(c) 
a low wing configuration, show a non-linear variation of Cp. with C.   ,  indicating excess profile drag and some separation 

problems at high C. due to non-optimized wing-body junction design.   Consequently, methods 1(a), (b), and (c) (II and III 

unavailable) predict optimistic drag at cruise for these configurations. 

3.    PREDICTIONS BASED ON WIND TUNNEL TEST DATA 

3.1     Introduction 

Aircraft configuration development is usually planned to include a series if low and high speed wind tunnel tests, with 
the initial series at the project definition phase in order to substantiate the early drag predictions.   The uncertainties re- 
garding early project estimates on absolute level of subsonic profile drag, viscous drag creep in the subcritical range, and 
drag-rise onset are defined, and development of the configuration for minimum interference proceeds through a series of 
flow visualization studies, and an analysis of ttie aircraft component drags supplemented by theoretical methods where 
appropriate. 

Use of wind tunnel test data to predict total configuration drag at full scale conditions is one method in use by industry 
teams.   Unfortunately, many early attempts at this method have failed due to accumulated errors in the model testing tech- 
niques and empirical scaling processes.   Experience gained during these programs, together with the introduction of refined 
testing techniques and development of new theoretical methods are together helping to identify the true nature of the 
problem and incidentally to highlight the limitations of existing test facilities. I 
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3.2    Wind Tunnel Testing Techniques 

The evaluaMon of high speed model data free of inter- 
ference from the support iystem has been a continuing problem 

to aerodynamicists during recent years.   One system, favored 
by the Lockheed-Georgia Company based on experience gained 

during the C-5A program, is ilL-rrated in Figure 26.   This 
concept avoids the use of a rear-mounted support sting and the 

problems related to interference of the complex flows in the 
vicinity of rear fuselages and empennages. 

The model is supported by a forward mounted,  load 

bearing, thin blade from the lower fuselage, (A), through a 
support sting situated below the model.  This configuration 

measures the combined model load,  L ., and the interference 

terms L. and L. 
'S-M 'B 

, the interference of the sting on the 
-M 

model and blade on the model, respectively.   The sting inter- 
ference term,   L        , is obtained by extrapolating respective 

S-M 
load data at each of four different sting displacement distances 

to an infinite displacement of model and sting, D - <B.   The 
second configuration is designed to obtain the interference of 

the blade on the model,  L For these tests, the model is 

B-M 
mounted on an auxiliary load bearing dorsal strut.   Tests can 

be made to measure both total model plus blade load, plus 
dorsal interference load,  L 

D-M 

(B) LB  +   LM +   L| 
+  L, 

M- -M D-M 

and with a metric dummy blade only, where the blade 

load plus interference of the model on the blade is 
measured. 

STING INTERFERENCE EFFECTS ON MODEL 

'S-M      M      'B-M 
L FROM PLOT 1/D -» 0 

S-M 

BLADE INTERFERENCE ON MODEL 

B. DORSAL STING, MODEL & BLADE METRIC. 

B    M    'M-B    'B-M    'D-M 
C. DORSAL STING WITH METRIC DUMMY 

BLADE ONLY.   L + L 
M-B 

D.   BLADE OUT. L.. + L. 
M        I 

D-M 

STING INTERFERENCE 

Lie i« 

BLADE INTERFERENCE 

LM = A - (B-C-D) A 

\        V*--  CAVITY AT 
\      \ BLAD^/MOD 

\      \ JUNCTION 

V.A 

■ 

FIGURE 26.   SUPPORT INTERFERENCE EVALUATION 

(C)   L    +   L. 
B      'M-B 

Without the dummy blade installed, the total load meas- 

ured is the model plus interference of dorsal on model 

M      'D-M 

Thus,  interference free data, 

D-B +A+C. 
LM' is obtained from 

-Q- BLADE OUT L..+ L 
M 

D-M 
-X- (DERIVED) LM + L, 

X D-M 

MODEL & BLADE METRIC 

-M 

■B "   M 
■M- B-M D-M 

One example of the net blade interference term, shown      ' 
in Figure 27 is seen to be unfavorable to the model and to have 
a significant effect on the measured induced drag, amounting 

to approximately 6 aircraft drag counts at cruise C. . 

The other important aspect of testing models for drag pre- 

diction is the correct simulation of the full scale boundary layer 
characteristics on the model surfaces.   Ideally, we require to 
simulate a boundary layer growth which represents a smooth 

fully turbulent condition.   The method of artificially fixing 

transition is essential when full scale drag prediction is 
attempted from wind tunnel data.   However, very careful and 

systematic tests are required to ensure that correct interpretation 
of drag levels can be made. 
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FIGURE 27.  BLADE INTERFERENCE EVALUATION 
In subcritical flows it is customary to trip the boundary 

layer close to the wing leading edge. Brai.low et al (50) has 

shown that it is possible to obtain essentially a zero drag penalty 

due to transition strip providing narrow, sparsely distributed, bands of roughness are used.   The roughness size for a given 

wind tunnel Reynolds number is determined according to the criterion R,- s 600, the critical roughness Reynolds number 

based on the roughness height, k, the velocity at the top of the roughness, U^, and the kinematic viscosity at the top of 



the roughness, v^.   Results of systematic tests on a C-5A 
IN 

model are shown in Figure 28. Transition was fixed by 0.05 
inch wide bands of sparsely distributed ballotini beads of the 
same size across the span at constant distance from the , 
leading edge, according to the criterion that R„ 2 0.1 x 10 . 

For a given Reynolds number and roughness size, transition 
was monitored by sublimation tests to determine the exact 
transition location on the wing.   The results show that at 
R.. = 4.2 x 10"/MAC a plateau was obtained representing 

a fully fixed condition and that no measurable drag increase 
was obtained over a roughness size range from .0021 inches 
to .0045   < hes.   Beyond this size the roughness height 
approach-. the boundary layer thickness and a drag in- 
crease is obtained.   As Reynolds number is decreased the 
width of the plateau also decreases and it is seen that for 
a given roughness size, transition begins to move downstream 
of the band.   It is important to note that unless sublimation 
checks are made at each condition, low Reynolds number 
tests can produce an erroneous variation of drag with rough- 
ness size which can be incorrectly interpreted as "roughness" 
drag. 

In the supercritical flow range the problem of high 
Reynolds number simulation becomes far more complicated. 
This was first identified by Paterson (51) duing the C-141A 
flight test program and has subsequently been confirmed by 
a number of papers on the subject, notably that of Pearcey, 
Osborne and Haines (52).   For attached flow conditions, a 
number of conflicting features are apparent in the simulation 
process.   Recognizing that transition must be fixed to avoid 
the extent of laminar flo    varying with Mach number an«4 

C., a forward location will inevitably produce boundary 

layer thicknesses at the wing shock location and trailing 
edge which are non-dimensionably greater than full scale. 
The problem is compounded if there exists a type B flow 
condition (52), where incipient rear separation is present, 
so that we have conditions where interaction of a shock 
induced bubble with the rear separation are aggravated by 
low Reynolds number transition fixing methods.   There is 
no precise way to avoid this problem, other than detailed 
experimental analyses through pressure surveys and flow 
visualization to identify the type of flow condition relevant 
to the particular wing design.   In the case of the C-141A, 
the subcritical flow condition is characterized by a strong 
adverse pressure gradient and a rear separation tendency 
which is very sensitive to changes in upstream boundary 
layer thickness.   It is pertinent to note that this charac- 
teristic is becoming increasingly identified in the new 
generation of highly loaded 'supercritical'w'ngs.   For the 
C-14IA Paterson (53), (54) has shown that the low wind 
tunnel Reynolds number condition exhibits, at drag-rise 
conditions, a rear separation which extends rapidly forward 
to the shock with increasing Mach number or angle of 
attack, resulting in a retarded shock movement.   This is 
illustrated in Figure 29.   Due to the over-thickened model 
boundary layer, however, a compensating and over-riding 
effect is the less favorable trailing edge pressure recovery, 
leading to a net premature drag rise. 

One method of possibly achieving a closer correlation 
of the drag-rise characteristics is to locate the roughness 
band further aft, but ahead of the transition free shock 
location to reduce the discrepancy between model and full 
scale trailing edge boundary layer thicknesses.   Paterson 
(53) investigated the possibilities of this technique and 
showed that it provided closer agreement with flight test 
results.   However, this technique does not guarantee that 
transition remains fixed ahead of the shock at all Mach 
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number and C. combinations. 

H- 0. 

An example of the improve- 

1-/6   ment in agreement between wind tunnel test data and flight 
test results is shown in Figure 30.   To minimize discrepancies 
in aerodynamic   loads for the C-5A, the technique was in- 
troduced of fixing transition at a location near the leading 
edge and re-energizing the boundary layer ahead of the 
shock by means of vortex generators.   This procedure was 

first correlated using a C-I41A model and C-14IA flight test 
results of shock location and then used on the C-5A wind 
tunnel tests.   Although this served the development purposes 

of the C-5A, it too suffers from the fact that it is to some 
extent configuration oriented, and to adequately cover the 

complete range of Mach number and angle of attack, the 
location of the vortex generators must be varied so that 
they are always ahead of the shock, a prohibitive if not 
impossible testing technique.   The method is, of course, 

not suitable for drag prediction because of the "over- 
thinning" effect of the vortex generators on the boundary 

layer and the resulting spurious interaction of the 
boundary layer and shock. 

3.3    Examples of Interference Drag Measured in the Wind Tunnel 

0.002 

FLIGHT TEST 
NASACR 1558 
TRIMMED 

0.74        0.76 

MACH NO. 

FIGURE 30.   C-MIA DRAG RISE CORRELATION 

The inadequacies of theoretical methods to determine interference drag can be judged by a review of some examples 

of wind tunnel measurements on component interference.   Two items are singled out for detailed discussion.   The first is 

that due to an upswept afterbody and the effects of other components on the pressure drag of the afterbody.   Figure 31, 

shows estimated and experimental data for a fuselage with an 
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FIGURE 31, 

m DEGREES 

THE EFFECTS OF WHEEL WELL FAIRING 
ON FUSELAGE PROFILE DRAG 

upswept afterbody and the effects of adding wheel fairings 

located on the parallel section of the fuselage ahead of the 

afterbody.   The experimental drag of the isolated fuselage 
(obtained from a blade-mounted model of the C-I41A) 

closely approximates the estimate at angles of attack 
beyond 3°, where attached flow exists, while at nega- 

tive angles of attack separation on the afterbody causes 

the drag to increase 20 counts above the estimate. 
The wheel fairings cause additional drag at negative 
angles of attack; flow visualization studies indicated the 

drag increase to be due to separation of the flow at the 
base of the fairings.*   The apparent drag increment due 

to adding the fairings increases with angle of attack in- 
dicating an additional interference effect on the afterbody, 

because its boundary layer becomes separated, due to non- 

optimum wheel-fairinj/afterbody contours.   Afterbody 
pressure drag was computed from a static pressure survey 

for the fuselcge-wheel fairing configuration.   These results (shaded) show a similar trend of drag with angle of attack to the 
force balance data; however, a significant difference in level exists due to the fact that the estimate for the wheel fairing 
drag assumes attached flow conditions. 

Afterbody pressure drag for three model con- 
figurations is shown in Figure 32.   Here, the addition 

of the wing shov/s a reduction of the afterbody pressure 

drag, whereas adding a fin and horizontal T-tail in- 

creases the interference drag on the afterbody by 18 
counts at cruise angles of attack.   A polar plot of the 

static pressure variation around the aft fuselage at a 
station hallway along the aft facing afterbody surface 

showed that adding the wing to the fuselage-wheel 
fairing configuration resulted in increased suction at 

the top center line (9 = 0°) and maximum half breadth 
(9 = 90°) locations due to the imposed downwash field 

in the cross flow plane.   The positive pressure increase 
on the lower surface is more significant as far as pressure 
drag is concerned due to the rapid pressure-area change 

on the fuselage underside, resulting in a favorable 
interference effect on afterbody pressure drag as in- 
dicated in Figure 32.   The effect of adding the 

o BODY + WWF + WING + EMP 

a BODY+WWF + WING 

A BODY + WWF 

-0.001 

FIGURE 32. COMPONENT INTERFERENCE EFFECTS 
ON AFTERBODY PRESSURE DRAG 

*A modified wheel-fairing developed on the basis of flow visualization studies, reduced the drag 6 aircraft drag counts, 

however, it was not incorporated in the production configuration. 
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empennage is to create a large increase in suction on the afterbody, resulting in a more adverse transverse gradient at 
fuselage stations in the vicinity of the fin maximum tfiickness location.   It is possible that reduction of this interference 
drag could be obtained by modifying the dorsal fillet to minimize the fin supervelocities. 

Some indication of a favorable scale effect on the afterbody pressure drag interference term is shown in Figure 33, 
however, it is insignificant at cruise angle of attack. 

The second item to be discussed in detail is that of wing/pylon/nacelle interference and the approach used in 
minimizing this component in wind tunnel tests.   Considerable experience of this problem has been gained during the 
C-5A program, and also on the L-500 project. 

The ma[or elements of the wing/pylon/nacelle flow field for an underwing installation are shown in Figure 34. 
Prediction of the full scale installed pylon/nacelle drag is a complex problem dependent on mutural interference of 
nacelle inlet flows, nacelle afterbody flow and power effects and the wing stagnation field.   These effects are measured 
on wind tunnel models in the normal development phase of a project. 
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Summary curves of the net interference of an installed 
pylon/nacelle are shown in Figure 35 from optimization tests 
on the L-500 project,  for a free flow nacelle.   For positions 
of the nacelle exhaust plane relative to the wing leading 
edge, X/C greater than approximately 0.20, it was found 
that favorable interferer :e was obtained with increasing 
vertical displacement Z/ D up to I. I.   Only at forward 
nacelle locations, X/C < 0.20, was it beneficial to move 
the nacelle up toward the wing to obtain highly favorable 
results. 

The effects of simulated power have been investigated 
in detail on a large L-500 semispan model (55).   To gain a 
better understanding of nacelle/pylon/wing interference 
effects, an analysis was made of the component force changes 
due to interference and how the total forces are distributed 
between the nacelle/pylon and wing.   For this study, the 
3/4 length duct configuration, K'"N", was selected. 
Figure 36 shows overall nacelle interference effects for the 
complete aircraft configuration.   Interference effects on 
the nacelle are mostly unfavorable except in the range of 
fan pressure ratios 1.0- 1,1.   The component of inter- 
ference on the wing is, on the other hand, highly 
favorable, but reduces with increasing fan pressure 
ratio.  Because of the nacelle effect, the total favorable 
interference diminishes at a faster rate with increasing 
fan pressure ratio, from -12 counts to about -6 counts at 
the full scale value of 1.475. 
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FIGURE 35. FLOW-THROUGH NACELLE POSITION 
EFFECT ON AIRPLANE DRAG, C    = 0.45 

From the same analysis. Figure 37 presents a correlation of the results from a free flow nacelle test with the data from 
the powered nacelle test at a fan pressure ratio of 1.475,   This indicated generally good agreement of the angle of attack 
effects on total wing/pylon/nacelle interference between the two techniques for this nacelle configuration. 
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3.4   Extrapolation of Wind Tunnel Test Data to Full Scale 
Condi tionT 

The technique of testing a wind tunnel model with 

transition artificially fixed implies that use can then be made 
of the classical skin friction laws for smooth turbulent flow to 

predict the full scale level of drag.   Examination of the com- 
ponent drag equation for an aircraft suggests it is easy to 
identify possible primary or secondary scale effects on all 

the terms.   However, we shall emphasize the effects on the 

primary terms, namely the minimum measured profile drag, Cr 
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FIGURE 37.   WING/PYLON/NACELLE   INTERFERENCE - 
AIRCRAFT DRAG 

, the lift dependent profile drag, Cp.      , and the 

summation of the individual profile drag estimates for each component, zCp. .   Thus, scale effects on the excess 

profile drag due to interference are included. 

The principal assumption upon which predicted full scale drag is based is that 

WIND 

TUNNEL 

This implies that form drag over and above flat plate 
skin friction reduces with Reynolds number, since C.     at 

full scale is less than C. in the wind tunnel. 
FP 

Excess profile 

FULL 
SCALE 

(12) 

USING RVMAC 
FLAT PLATE 

 AVER AGE Cr 
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FOR 

drag is assumed to remain constant over the Reynolds number 
range of interest. 

Results of some studies on scale effects on profile drag 
of a typical transport wing are shown in Hgure 38.   As 

introduced in an earlier section, methods under the heading 
(I) are from preliminary estimation procedures, using shape 
factors from either Reference (16), or from average super- 

velocity calculations.   Also shown in Figure 38 are the wing 
profile drag from methods II and III using viscous theory. 

The average wing shape factor showing the degree of form 
drag above flat plate skin friction is shown to differ by 30% 

at low Reynolds numbers.   The implications of these differences 
in Reynolds number corrections from wind tunnel to full scale 

are a maximum difference of 7 count? in full scale drag level. 

The maximum difference in scale effect from methods 1(c) and 
II, or III is however, only 3 counts for the wing.  A corres- 

ponding total aircraft figure is estimated to be of the order 
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of 5 counts between these methods. It is interesting to note that the results from method III, in which profile drag was 
estimated by the theoretical viscous method using ordinate data, indicate that shape factor is constant over the whole 
Reynolds number range, confirming one of the basic assumptions in the scaling process. 
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CORRELATION OF C-5A PREDICTED & FLIGHT TEST DRAG 

4.1     Introduction 

Preceding sections discuss,  in general terms, some of the approaches to preliminary estimation of drag in the sub- 
sonic range.  Wind tunnel testing techniques in current use are also described.   The use of wind tunnel data for full-scale 
prediction requires,  in particular, that account be taken of; 

(i)      Reynolds number effects on pro'ile drag, 

(ii)     The difference in transition locations on the model and full scale aircraft, 

(iii)    Differences in the surface roughness between the highly polished wind tunnel model and the aircraft. 

In the case of the C-5A these and other corrections are necessary to determine a realistic drag level at full scale 
conditions.   The following is a detailed discussion of the model corrections,  leading to the analysis of flight test drag 
data, and finally a correlation of predicted and flight drag at both subcritical and cruise conditions. 

4.2    Corrections to C-5 Wind Tunnel Data 

4.2.1    Wind Tunnel Facility Correlation Corrections 

Subsequent to the high-speed wind tunnel development program on the C-5A, a study was initiated, sponsored by 
USAF Aeronautical Systems Division and NASA Ames Research Center, to establish data correlation between various tran- 
sonic facilities using the high speed C-5A 0.0226 scale model (56).   An appraisal of the data from the various facilities 
was made through analyses of the force measurements and facility flow characteristics.   This indicated that a number of 
corrections could be applied to the basic model data in order to explain the various facility discrepancies.   These 
corrections, confirmed by detailed calibration measurements, can be summarized as follows: 

AC. 

0.45 

Buoyancy +0.0003 +0.0003 

Mach Number -0.00015 -0.00016 

Wall Effects 0 -0.00023 

Inertial Effects +0.00045 +0.00045 

High Order Interactions +0.00015 +0.00005 

Total +0.00075 +0.00041 

These corrections are applied to the wind tunnel data in this analysis. 

4.2.2 Reynolds Number Correction 

Various methods of estimating scale effects on profile drag are discussed in Sections 2.5 and 3.4.   The scale effect 
on C_   is defined as the increment between the estimated profile drag at the wind tunnel Reynolds number and the mean 

Up 

cruise flight Reynolds number of the aircraft assuming a fixed transition location.   For the C-5A, the mean cruise Reynolds 
number is 55 x 106/MAC. 

Two methods of estimating and scaling profile drag are used for the C-5A analysis.   These are, referring to Section 
2.5, method 1(c), in which profile drag is estimated by a shape factor based on su, ervelocity of each component and the 
Karman Schoenhcrr flat plate skin friction law, and method II or III, which uses the subsonic viscous flow theory.   Method 
1(c) gives a correction of AC- = 0.0061, while methods II or III indicate a correction of 0.0066. 

4.2.3 Transition to Leading Edge 

Section 3.2 points out that the method of fixing transition on the C-5A model resulted in no measurable drag on the 
model due to the roughness band.   The transition strip was placed at a constant distance of 0.8 inches from the wing 
leading edge (R   = 0.4 x 106), 2 inches from the fuselage nose, 0.4 inch from the leading edge of the fin, tailplane and 

pylons, and on the nacelles it was placed 0.8 inch from the lip externally and 0.4 inch internally.   Since transition on 
the airplane at flight Reynolds numbers is assumed to occur at the leading edge of all the components, a correction must 
be applied to the wind tunnel data to simulate transition at the leading edge.   This correction is estimated to be 
ACD =+0.00135. 
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I'»- 4.2.4    Pylon Nacelle Drag 

Section 2.4 describes some of the techniques for measuring pylon nacelle interference drag in wind tunnel tests. 

For the C-5A performance calculations, the division of airframe drag and nacelle drag was defined as the intersection 
line of the pylon and nacelle (see Figure 39).   Isolated nacelle drag was accounted for in the engine thrust levels, and 
assumed independent of the wing/pyIon/nacelle mutual interference effects.   Isolated nacelle drag consists of the following: 

(i) Afterbody Pressure Drag 

(ii) Forebody Additive Drag 

(iii)    Internal and External Skin Friction Drag 
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EXHAUST SKIRT 

CORE COWL 

.0226 SCALE FREE 
FLOW NACELLE 

LL SCALE 

CONE 

COMPONENT 

EXTERNAL 

INTERNAL 

FAN COWL 
FOREBODY 

FOREBODY 
ADDITIVE 

FAN COWL 
AFTERBODY 

EXHAUST 
SKIRT 

TURBINE 
COWL 
CONE 

PROFILE DRAG 
MODEL 

+0.00104 

f0.00074 

(A) 

(B) 

AIRCRAFT 

+0.00056 

INTERFERENCE PRESSURE DRAG 
MODEL 

(+0.00086), 

(+0.000165) (C) 
I 

(-0.00024) 

(-0.00023) 

AIRCRAFT 

(+0.00025) 

(+0,00055) 

I 

(D) 
U 

SUBSCRIPT I   REFERS TO INSTALLED VALVES 
SUBSCRIPT U REFERS TO UNINSTALLER VALVES 

MODEL ESTIMATE = (A) + (B) + (C)+ (D) = 0.002495 

FIGURE 39.   C-5A MODEL AND FULL SCALE DRAG COMPONENTS 

The C-5A high-speed model nacelle fan cowl contours were identical to the full-scale nacelle.   Downstream of the 

fan cowl, the model nacelle contours represented the boundary between the supersonic exhaust flow of the fan and the 

external local flow, as shown in Figure 39.   Tests conducted on a 0.057 scale powered nacelle semispan model indicated 

that the hard boundary free flow nacelle provided good simulation of the actual powered flow characteristics and inter- 

ference effects. 

POWERED NACELLE TEST DATA 

Afterbody pressure drag is defined as the total pressure-area force, due to external flow, which acts on the aft- 

facing area of the isolated nacelle.   This is a function of Mach number and fan nozzle pressure ratio.   During early studies 
of the afterbody pressure drag for the isolated full scale nacelle, an estimated value of 5.5 aircraft drag counts was applied 
to engine thrust levels.   Although this procedure was correct so far as the isolated nacelle was concerned, data was com- 

piled from subsequent wind tunnel tests to confirm that the installed effects of the nacelle were favorable to the aircraft 

drag.   Figure 40 presents nacelle centerline static pressure characteristics showing the effect of the wing lower surface 

positive pressure field on the installed nacelle.   Figure 41 
shows the afterbody pressure drag versus angle of attack, 

and also confirms the technique for simulating powered 

nacelle effects by using a "hard boundary" modified 
afterbody free flow nacelle.   Thus all installed effects 

were assumed to be inherent in the model and full-scale 
drag polars, and only the isolated afterbody drag was 
accounted for in performance calculations, as shown in 

Figure 39.   The model full-scale contours of Figure 39 

indicate that a further pressure-area term existed due to 

the exhaust cone not represented on the model.   This was 

assumed to be also favorable but was neglected resulting 
in some very small degree of conservatism in the prediction. 

Forebody additive drag results from incomplete re- 

covery of inlet diffusion momentum over the forward facing 

portion of the nacelle lip and external cowl.   For the C-5A, 
the cruise mass flow ratio A /A        was 0.65, with a 

a     max 
corresponding nacelle exit C- = + .20.   For the high-speed 

force model, a slightly higher mass flow ratio was obtained, 

resulting in an average exit €„ = -.005 at cruise ^ach 
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numbers.   For model correction purposes, the estimated fore- 
body additive drag for an isolated nacelle assumes that the 
interference effects of the wing flow field occur independently 

of the mass flow ratio, and are assumed to be included in the 

model drag polars. 

Internal drag calculations were made for the C-5A 

model nacelles corresponding to the model test conditions. 
Figure 42 presents summary plots of the forebody additive 
and internal drag components as functions of nacelle exit 

pressure coefficients. 

aFRL - DEGREES 

/^3 

POWERED NACELLE 
-0.0002 

-0.0004 

FLOW-THROUGH 
NACELLE 

The external model nacelle profile drag was estimated 
using standard methods.   Figure 43 presents a summary of the 

C-5A nacelle drag increments necessary to achieve compati- 
bility of the model drag and full-scale thrust for correct 

performance calculations. 

4.2.5    Roughness Drag 

The term "roughness drag " is used to describe parasite 
drag in excess of the basic skin friction and form drag, due 
to manufacturing tolerances, fasteners, protuberances, 

antennae, vents, probes, surface waviness, and skin surface 

grain structure and finish.   Drag estimates for these items 

are generally based upon the data of Wieghardt (57), 
Hoerner (16), and Schlichting (58).   The majority of these 

data were obtained at relatively low Reynolds numbers 

and Mach numbers; data for Reynolds numbers in excess 
of 20 x lO6 and Mach numbers high enough to produce 

mixed subsonic and supersonic flow are not generally 

available.   Although these data are the primary source 

of roughness drag estimates and thus have received broad 

acceptance throughout the industry, they remain largely 
unsubstantiated at full scale conditions of Reynolds 

number and Mach number. 

FIGURE 41.   FAN COWL AFTERBODY PRESSURE DRAG 

1/1      u. 

c? Q- 0.0014 
3. 3. 

'   ,1   0.0012 h 
z z 
0  0   0.0010 

u u 
O  O   0.0006 

m   _i   0.0OO4 

3   S5   0.0002 : 

Q < 
> 
Q 
O 

0.0226  SCALE 

2 CD    FOREBODY ADDITIVE 
A COEFFICIENT DRAG- 

s*XCn INTERNAL DRAG 
^'V  I/COEFFICIENT 

M-0.70 
\0.75 
\  \0.767, 

0.825 

o w 

-0.2 -0.1 

CP EXIT 

0     0.1    0.2   0.3   0.4    0.5   0.6   0,7 

NACELLE EXIT PRESSURE COEFFICIENT 

Notwithstanding the shortcomings of these data, they 
can be and are used to evaluate roughness drag by judicious 

application combined with computed or experimental data 

on local flow velocities and boundary layer conditions. 
When the roughness item height is large compared to the 
momentum thickness of the boundary layer (h 2 109), the 

boundary layer effects are minor and the pressure or form 
drag of the item predominates.   For small roughness 

elements, where h s 29, boundary layer effects predominate. 
Roughness elements falling between these limits require a 

rational application of all known factors. 

The effects of small isolated protuberances are the 
most difficult to quantify.   Fasteners fall into this cate- 
gory and, depending on the fastener patterns and 

distribution, may tend to act more as a distributed 

roughness than isolated elements.   Fasteners can become 

a very significant drag item if not properly controlled 

and for this reason most modem transport airplanes use 

flush fasteners.   Even here, however, manufacturing 

and production tolerances result in protrusions and de- 

pressions of the order of ±0.0005 to ±0.0010 inch, 
depending on the method of fastener installation,  i.e., 

machine versus manual.   These actual tolerances are 
significantly less than those specified by the aero- 

dynamics requirements document.   Boundary layer calcu- 

lations for a typical wing section indicate the thickness of 

the laminar sublayer to be 0.0005 inch at the front beam and 
0.002 inch at the rear beam, thus it would not be expected 

that these fastener tolerances would contribute a significant 

drag increment.   In addition, modem paints and painting 
techniques tend to minimize flow disturbances due to 

fasteners by the inherent smoothing action of the paint 
application. 

Q 

H 
FIGURE 42. C-5A FOREBODY ADDITIVE AND MODEL NACELLE 
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To achieve an acceptable level of roughness drag a concerted effort must bm made throughout the design and develop- 
/ ment phase of a project.   This requires the coordination of the requirements of the aerodynamicist, the ingenuity of the 

J-ä-l   designer, and the skills of the toolmaker, the master model maker and the production staff, to arrive at the desired goal. 
To assure orderly progress of this effort, the aerodynamicist must establish a target roughness drag level, prepare an aero- 
dynamic smoothness requirement specification, and continuously monitor estimated roughness drag levels as the design 
develops.   In this way, reasonable compromises between conflicting requirements can be made and design changes necessary 
to achieve the target drag level can be properly evaluated on the basis of overall system economics.   For the C-5A the 
target drag level was established as 0.0007 in CD or 5 percent of the estimated full-scale profile drag.   Although con- 

siderable improvement in the estimated level of roughness drag between the first preliminary design estimate and the final 
production configuration estimate was achieved as a result of continuous surveillance of roughness sources, it was not 
possible to achieve the target drag level.   Figure 44 presents c comparison of the final estimate and the target levels for 
the major contributors to roughness drag.   Examination of these data show that elimination of one item, the drag of the 
exposed flap tracks, would have reduced the estimated drag level almost to the target amount.   Design studies were con- 
ducted to evolve a scheme for just this purpose, however, complexity and potential maintenance problems combined to 
negate incorporation on the production configuration.   The validity of the estimated roughness drag increment will bd 
discussed in a later section of the paper dealing with wind tunnel - full scale correlation studies. 

äCD aCD                | 

1                              Item 
(Counts) 

Item 
(Coui .t»)             \ 

Estimate Target Estimate Target      | 

|   General Fuselage 

Antennae .535 Doon .250 
Anti-Collision Light .010 Waviness .046 
CDPIR Installation .024 Air Conditioning I/O System 1.350 

1   Windshield Wiper 
Total 

.160 

.759 
Nose Radome & Vent 
Leakage (Pressurization) 

.115 

.500 .555 
Negative Pressure Relief Vents .200 

Wing Wheel Well Fairing Vents .056 
Skin Joint Steps i Gaps .291 Wheel Well Fairing Slip Joints .020 
Aileron Spacer Gaps .245 Wheel Well Fairing Surface .072 
Step at Slat I.E. .150 APU Exhaust Outlet .020 
Discontinuities at Slat Segment Ends .500 Fuselage Doubler .250 
Slat Actuator Doors .010 Wing Root Fairing Slip Joints .029 
Step at Spoiler T.E. .210 Visor Door - Fuselage Joint .186 
Spoiler Gaps .340 Kneeling Blisters .200 
Wing Tip Lights .002 Total 3.294 3. ras 
Static Discharge Wicks 
Anti-Icing Air Exhaust 

.060 

.022 
Empennage 

Steps and Gaps Around Flaps .200 Skin Joints .094 
Exposed Flap Tracks 1.600 Spacer Gaps .452 
Exposed Bearings .250 Bullet Base .007 
Gear Boxes .200 Total .533 .550 
Flap Trolley Bumps .400 

Pylons 
Total 4.45Ü 51575 

Steps and Gaps .022 
Total .055 .555 J 
TOTAL 9.075 7.000^ 

FIGURE 44.  ESTIMATED AND TARGET ROUGHNESS DRAG INCREMENTS 

The following is a list of the corrections applied to the C-5A wind tunnel data for correlation with the flight test data. 

C-5A 
Correction of Model Drag to Full Scale 

Model Drag at M = 0.7, C   = .45 Trimmed at 30% MAC 

Corrections (^C-.): 

Reynolds No. - Method Ic 
- Method II, or III 

Model Transition to Leading Edge Transition 

Roughness 

Nacelle (Nacelle Drag Included in Engine  Net Thrust) 

Support Tare and Interference 

Wind Tunnel Facility Correlation Correction 

.02935 

-.0061 
(-.0066) 

+.00135 

+.0009 

-.0025 

+.0001 

+.00041 

Total Correction -.00584 

Full Scale Prediction .02351 

Full Scale Prediction (with Method II, or III Reynolds Nc. Corr.) (.02301) 
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4.3    Analysis of Flight Test Prog 

4,3.1    Aerodynamic Consideration J~£~£ 

As used in this analysis,  the components which constitute total drag are illustrated in Figure 45; thus an aircraft 
flight drag coefficient may !.« expressed as: 

CD =  CDr 
+  C„   + C 

trim 
+ cr (13) 

where 

C^ 

■D. 

trim 

Minimum profile drag comprising 
skin friction and pressure drag on 
all aircraft components plus drag 
due to surface roughness.   This 
includes form drag and interference 
of all external items on the aircraft, 
protuberances, steps, gaps, surface 
distributed roughness, and leakage 
drag. 

Vortex drag corresponding to the 
spanwise distribution of lift. 

Trim drag, the additional drag 
associated with the change in 
component loads, due to the tail 
load required to offset the pitching 
moment for a given e.g. position. 

Lift dependent profile drag. 
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SEPARATION DRAG, Cn 

INDUCED DRAG (ELLIPTIC 
^ VORTEX + NON-ELLIPTIC 

VORTEX), C D. 

TRIM DRAG, Cr 
TRIM 

VORTEX, FRICTION, LIFT 
DEPENDENT PROFILE DRAG, Cr 

MIN 

MINIMUM PROFILE DRAG, C, 
(SKIN FRICTION, INTER- 
FERENCE, PRESSURE, FLIGHT 
TEST INSTRUMENTATION, 
SURFACE ROUGHNESS 

FIGURE 45.  BREAKDOWN OF TYPICAL SUBSONIC JET AIRCRAFT DRAG POLAR 

CQ =  Compressibility drag; wave drag and shock-induced separation drag, especially significant at off-design 
Pf. conditions.   In this correlation the induced drag and trim drag reflect Mach effects and therefore C» 

is defined as the compressibility effect on profile drag. Pr 

Flight test measured drag are made equivalent to wind tunnel data at the same C., M and R*. by correcting for air- 

frame flexibility and center of gravity location, and by accounting for the drag of all external items such as flight test 
instrumentation, which is not represented on the wind tunnel model.   In equation form: 

CD . .,    = CD 
rigid 
equiv 

+  ACr +  ACr 
flex rigid-flex trim 

'D. (14) 

e.g. 
inst 

where 

C,, 
'flex 

AC 

AC, 

D • -j »i rigid-flex 

trim 
e.g. 

= Measured flight test drag 

= Flexibility drag at flight test conditions 

= Incremental drag between trimmed drag at flight test e.g. location and normalized e.g. location 

= Drag of external flight test modifications for instrumentation 
inst 

Each of the drag components and the corrections necessary to determine rigid aircraft drag are discussed as the data are 
developed for correlation. 

4.3.2   Flight Test Program 

The C-5A aircraft was recently flight tested under a rigorously supervised program combining the efforts of the Lockheed- 
Georgia Company, the USAF Aeronautical Systems Division, the USAF Flight Test Center and the General Electric Company. 
Two in-flight photographs of the C-5A are shown for interest in Figures 46(a), (b).   Flight testing of the C-5A aircraft was 
conducted at Edwards Air Force Base, California during the period 5 June 1969 through 15 January 1970.   Performance data 
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suitable for aircraft drag evaluation were obtained from four- 
engine level-flight speed-power tests.   Ten such flights were 
made covering an altitude range of 5000 feet to 40, 500 feet, 
a gross weight range of 439,000 pounds to 702, 000 pounds 
and a speed range from M = 0.28 to M = 0.816.   This 
represented a Reynolds number range from 37 x 10°/MAC 
to 105 x 10°/MAC.   Lift and drag coefficients were 
computed from measured parameters using the following 
equations: 

C.    = W cos Y - F.. sin 
[aFRL+iT] 

N [aFRL+iT] - W sin Y 

(15) 

(16) 

where 

W weight 

F..     =  net thrust 
N 

ap(..   =  angle of attack 

Y        =  angle of climb 

L       =  angle between thrust line and fuselage reference 
line 

q        =  dynamic pressure 

S        = wing area 

Figure 47 shows, diagrammatically, the lift and drag 
vectors on a typical aircraft such as the C-5A. FIGURE 46.  C-5A IN-FLIGHT PHOTOGRAPHS 

4.3.3    Thrust Determination 

The evaluation of full scale drag is primarily dependent 
upon the accuracy inherent in the determination of installed 
propulsive system net thrust.   The computation of net thrust 
for the installation of the TF39 engine on the C-5A aircraft 
comprises a synthesis of drag, engine airflow and thrust cal- 
culations, which have been empirically calibrated from the 
results of both model scale and full scale test programs. 
These procedures are outlined in some detail by Poland and 
Schwanebeck (59); for the purposes of this paper only a 
brief summary of procedures and results is necessary. 

Due to tlie large gross thrust and ram drag of highly 
efficient turbofan engines, such as the TF39, relative to 
net thrust, accurate and consistent determination of these 
quantities is essential to the evaluation of engine net 
thrust.   This is accomplished by the selection and cali- 
bration of computational procedures based on experimental 
values for pressure and temperature in engine exhaust 
nozzles.   Nozzle coefficients constitute the basis of this 
calibration and provide a common denominator for com- 
parative evaluation of test data for different facilities, 
engines and test conditions. 

FN5IN(aFRL+iT) 

FNCOS(aFRL+iT 

w cosrVj 
w SINY 

LTA|LTAN e 

V  = RELATIVE WIND 
V  = RELATIVE WIND AT THE TAIL 

L' =  THAT AMOUNT OF TAIL LIFT REQUIRED TO 
BALANCE THE AIRCRAFT PITCHING MOMENT 

L,  ..TAN e  =  DRAG COMPONENT OF TAIL LIFT ALONG 
THE DRAG AXIS 

FIGURE 47.   SKETCH OF JET AIRCRAFT LIFT AND DRAG VECTORS 

Pylon-net thrust is defined as: 

Pylon net thrust =  Z +  fan nozzle gross thrust + core nozzle g-oss thrust  -  ram drag 

- pylon and core cowl scrubbing drag  -  plug scrubbing drag 

- forebody and afterbody pressure drags  -  fan cowl friction drag 

The pylon scrubbing drag is for that portion of the pylon which lies within the streamtube determined for fully expanded 
fan exh-ijst flow. 

I 
IK order to assure compatibility of the results from several test facilities and the various individual tests involved, 

several ptecautions were taken to minimize data discrepancies. 
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The production configuration for the nozzle and nacelle contours was adopred as the reference configuration for all 
performance testing of the TF39 engines and for nozzle/nacelle models, thus avoiding any requirement to adjust test 
results for differences in nozzle and/or nacelle geometry. 

Production engines assigned to both the performance flight test program and to the jltituoe cell test program were 
designated as Calibrated and Instrumented (C & I) engines and were supplied with nominally identical pressure and 
temperature instrumentation, avoiding any requirement to adjust experimentally derived nozzle coefficient data for 
differences in sampling errors which might occur if the instrumentation were not identical. 

The inlet bellmouths used for all outdoor static tests were of identical General Electric design and manufacture and 
were provided with nominally identical instrumentation.   Nozzle static pressures were used in combination with 
nozzle total pressures and temperatures to compute airflow and thrust. 

Nozzle coefficients were defined on the basis of total pressure at the nozzle throats in order to avoid discrepancies 
in coefficient level due to differences in instrumentation sampling errors and internal viscous losses for differences 
in hardware. 

I-M 
i 

The results of tests of a number of C & I engines in the Lockheed Engine Test Stand, the results of General Electric 
tests on their number 4 Engine Test Stand at Peebles, and the results obtained from the altitude cell test at Air Force 
Arnold Engineering Development Center were used to establish the final nozzle coefficients. 

■'  \ 

Three independent checks of the thrust calculation procedure have been made from analysis of flight test data for 
a C-5A equipped with C & I engines. 

The first check was obtained by securing the C-5A to 
the test beds of the Edwards Air Force Base Static Thrust 
Calibration Facility and comparing calculated thrust to 
measured thrust on a point by point basis.   The results are 
shown in Figure 48 for total thrust and average engine 
thrust respectively.   The agreement is better than ±1 
percent of average engine thrust or less than ±0.5 percent 
of the full scale thrust stand capacity. 

Flight testing of the C-5A included a survey of 
inlet flow using an inlet rake to measure both total and 
static pressures and total temperatures.   Airflow was also 
determined throughout the program by the summation of 
engine nozzle flows from measured nozzle pressures and 
temperatures.   Figure 49 shows excellent agreement in the 
airflow obtained from these two sources, thus adding 
assurance to the validity of the nozzle coefficients, 
which are used for both airflow and gross thrust calcula- 
tions.   The third objective confirmation of in-flight thrust 
calculations was obtained from airplane drag calculations 
for sawtooth climbs and descents.  The drag coefficients 
obtained from the calculation of net thrust during Normal 
Rated Thrust climbs and Idle Thrust descents are compared 
to the drag coefficients obtained from level flight speed- 
power tests in Figure 50.   In the past, data scatter has 
generally tended to negate the potential usefulness of 
this typo of comparison, however, for the C-5A the 
climb and descent data describe a ±2 percent scatter 
band around the level flight speed-power test results. 

The excellent agreement of test results from different 
test facilities plus the flight-test confirmation of consis- 
tency for thrust and airflow calcula'ions provides assurance 
that the full scale drag data for the C-5A are a valid set 
for the purpose of wind tunnel flight test correlation 
studies. 

4.3,4    Corrections to Flight Data 

(a)  Center-Of-Gravity Location   -  Center-of-gravity 
locations for the various flight test points vary from a forward 
location of 19.5% MAC to an aft location of 36% MAC.   In 
order to eliminate the variation in drag caused by varying 
amounts of trim required, the data are corrected to a common 
center of gravity location of 30% MAC.  Wind tunnel data, 
for a range of horizontal stabilizer settings and varying Mach 
numbers are used to establish this correction.   Figure 51 is an 
example of the effect of varying the trim center-of-gravity 
location on the C-5A drag for constant trimmed lift 
coefficients at M = 0.700. 
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(b)   Flight Test Instrumentation Drag   -   A number of 
external configuration changes were made to the flight test 
aircraft to provide various items of flight test equipment. 
Drag due to these changes is subtracted from the flight 
measured drag.   Pre-flight test estimates were made for 
each item separately, using existing methods, and are 
tabulated below.   These estimates were substantiated 
by USAF Aeronautical Systems Division and Flight Test 
Center personnel. 

Item 

Nose boom and airspeed system ,000043 

Trailing cone and cable .000064 

Takeoff and landing cameras .000061 

Tail bump skegs ,000196 

Water ballast dump holes ,000021 

Nose straps ,000037 

Total .000422 

(c)   Flexibility  -   Flexibility, or aeroelastic effects, 
as they are applied in this analysis, refer to the elastic de- 
formation of the structure caused by aerodynamic and 
inertia loads.   The distortions of the aircraft structure 
result   in an overall redistribution of the aerodynamic 
loads and corresponding shifts in aircraft center of pressure. 
Of particular importance is the deformation of the wing. 
Under the influence of aerodynamic lift, the wing deflects 
upward along its elastic axis.   For swept wings this results 
in a reduction in local airfoil section angle of attack 
compared with the unflexed wing. 

This asTo^ynamic twisting or "wash out" of the wing 
reduces the local load on the wing with the greatest reduction 
occurring at the tip.   A' a constant wing angle of attack,  the 
integrated load is less than that of the unflexed wing, and 
this lift loss is retrieved by increasing the aircraft angle of 
attack.   Figure 52 illustrates this characteristic for the C-5A 
wing.   As can be seen, substantial changes In the shape of 
the span load distribution occurs in order to maintain a 
constant trimmed lift coefficient of 0.5,   Dynamic pressure 
values of 400 pounds per square foot are typical of the 
higher Reynolds numbers tested.   The rationale for in- 
cluding flexibility effects in the analysis is apparent from 
Figure 52,   The C-5A wind tunnel model wing was designed 
with the rigged wing twist distribution, corresponding to the 
rigid or q = 0 data, and therefore considerable variations 
from this base configuration occur in the flight results. 
Even had the model been designed with the incremental 
twist of some selected flight condition, the excursions in 
flight conditions to either side of the selected flight con- 
dition would necessitate corrections for aeroelastic 
deformation. 

Other components of the airframe, such as the fuselage 
and empennage, also deform under aerodynamic loading, 
however, their effects on drag are considered secondary to 
those of the wing and therefore are not considered in this 
analysis.   The effects due to the wing flexibility are three- 
fold:   the changes in span load distribution produce (I) 
corresponding changes in the induced drag and (2) corres- 
ponding changes in local lift coefficients for the flexible 
wing relative to the rigid wing, which effects the wing 
p-ofile drag; and (3) the changes in load distribution are 
accompanied by relocation of the wing center of pressure 
which alters the trim tail load and the associated trim drag. 
These are considered separately below. 
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FIGURE 50.   FLIGHT TEST DRAG COMPARISON - 
SAWTOOTH CLIMBS AND DESCENTS, 
CLEAN CONFIGURATION 
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Vortex Induced Prog 

As mentioned earlier in Section 2.2, vortex induced 
drag comprises elliptic and non-elliptic vortex drag. 

C2 

CD.  = ^ ('7) 

i 

The span efficiency factor is calculated using lifting 
line theory after Glauert (43).   This method is used to 
evaluate the induced drag over the range of lift coefficients 
and Mach numbers of interest.   Figure 53 presents the vari- 
ation of wing span efficiency with lift coefficient for a 
range of Mach numbers.   These data are based on rigid loads 
data determined from wind tunnel pressure tests.   The effect 
of wing distortion due to aeroelasticity on wing induced 
drag is determined by calculating the flexible spanwise 
load distribution and the associated value of e.   The re- 
duction in load near the wing tip tends to reduce the 
efficiency factor; however, this effect is more tha1- jn 
set by the increase in load on the inner wing and fuselage. 
Typical results at M = 0.700 are shown in Figures 54 and 55. 

Figure 54 shows the variation in wing span efficiency 
factor as a function of dynamic pressure for a range of lift 
coefficients.   The incremental effect on induced drag 
depicted in Figure 55 is then found from the following: 

/ . . ,      \ TTAe 
.    , ,. \        /rigid       \ 

rigid-flex        v        ' 

ACr (18) 

Wing Profile Drag 

The second effect of the wing deformation is due to the 
local changes in wing section angle of attack.   This produces 
changes in local lift coefficient and thus influences the wing 
profile drag.   The magnitude and sign of the change at any 
local wing station depends on the spanwise location, the amount 
of distortion present, and the proximity of the local lift coeffi- 
cient to the section design value. 

In order to ascertain the incremental change in wing 
profile drag due to aeroelastic effects, it is first necessary 
to compute the profile drag of a rigid wing.  The subsonic 
viscous flow program described in Section 2.1.2 is used for 
this purpose.   It is recognized that this theory is not valid 
where mixed flow exists, and that for a large number of 
flight test points such conditions are present.   Data from 
the two dimensional airfoil wind tunnel test program intro- 
duced in Section 2.1.2 for an airfoil representing a C-5A 
mid semi-span section, are used to define the section drag 
variation with lift above the critical C,. 

Profile drag polars are first generated for various wing 
stations using section ordinates. In this manner, the effects 
of actual thickness and camber variations of the C-5A wing 
are included. These polars are then used with the rigid and 
flexible local lift coefficients for a particular flight con- 
dition to obtain the increment in local profile drag due to 
the aeroelastic deformation. 

The total wing incremental profile drag is obtained by 
strip integration: 

1 

rx 
P  . 0     °ve 
wing      . ., t| 3    ngid-f ex 

(19) 
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Figure 56 presents the increment for the C-5A wing as a 0.0005 
function of lift coefficient and dynamic pressure.   It is inter- 
esting to note that both the induced drag and wing profile 
drag increments due to flexibility are favorable effects on 
the C-5A. 

A better understanding of the profile drag increment 
may be obtained by referring to Figure 52, where it can be 
seen that outboard stations experience a reduction in lift as 
the wing flexes.   Thus, the section drag for these stations 
tends to reduce from the rigid case.  Just the opposite 
occurs inboard.   A typical spanwise variation in the pro- 
file drag increment, rigid minus flexible,  is shown in 
Figure 57.   The positive increments outboard have a 
larger influence than the negative inboard increments, 
and for the C-5A, the integrated result is a favorable drag 
reduction for the flexible case.  This favorable effect is 
obviously configuration dependent and the C-5A results 
are not necessarily representative of other configurations. 

Trim Drag 

Finally, consideration is given to the flexibility effect on trim drag.   The changes in spanwise load distributions on a 
swept wing due to aeroelastic effects, shift the location of the wing center of pressure thus altering the tail load required to 
trim the aircraft.   For the C-5A, the redistribution of span loading, such as shown in Figure 52, results in a reduced tail load 
and slight changes in downwash angle.   The changes must be recognized in the trim drag components.   Thus 

FIGURE 56. C-5 WING PROFILE DRAG INCREMENT 
DUE TO FLEXIBILITY 

ACr =  AC 
trrm 

D. 
ACr 

rigid-flex trim 
rigid-flex 

tail 
rigid-flex 

A (C.        tan e) . .. tl L   ., rigid-flex 
tail 

(20) 

Below are tabulated a summary of typical trim increments 
due to flexibility: 

M q(PSF)      ACr 

trim rigid - flex 

.6943 .4764 185.5 .000066 

,7488 .4400 247. .000123 

.756 .2131 389. .000338 

.7747 .3498 330. .000226 

The net flexibility correction, accounting for the 
component effects described above is computed to be 
0.00071 in ACr at M 

rigid-flex 
0.700, 0=0.45. 

0.0008 

>< 0.0006 
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FIGURE 57.   SPANWISE VARIATION OF C-5AWING 
PROFILE DRAG DUE TO FLEXIBILITY 

I 

(d)   Lift, Mach Number and Reynolds Number Effects  -  Before proceeding into the actual correlation, a brief summary 
is given of the method of treating the flight test results for the effects of three major variables, C., Mach number and Reynolds 

number.   Preliminary studies during the post-flight analyses of the flight test data indicated that drag creep on the C-5A was 
essentially zero up to about M = 0.75.   Thus it was felt that any scale effect in the data would become apparent by plotting 
the low speed data versus C|    as in Figure 58.   The data were grouped by Reynolds Number and a different symbol used for 

each grouping so that mean lines could be faired through each set.   A comparison of the incremental scale effect taken from 
this figure and that of a pre-flight test estimate,  is shown in Figure 59.   The estimated scale effect was based on combining 
the Karman-Schoenherr skin friction law with form factors derived by the SJpervelocity method.   Agreement between the 
flight and predicted scale effect are satisfactory especially in view of the fact that these flight results are uncorrected for 
flexibility.   It was therefore assumed that the flight data exhibited scale effects, and that normalization of all the data to 
a common Reynolds Number of 55 x 10 /MAC would permit a more reason,ible assessment of the C. and Mach Number effects. 

Each flight test drag value was corrected for all known factors (e.g. location = .30 MAC, instrumentation drag, flexi- 
bility and Reynolds number = 55 x 10^/MAC).   Plots of C- and C. versus Mach number were made for each flight.   A cross 

plot of these data was then constructed and is presented in Figure 60.   The result shown in Figure 60 is a matrix of drag polars 
for various Mach numbers representing an initial attempt to find the C. Mach number relationship for the C-5A flight data. 

An iterative technique was then employed to arrive at the final best fit to the data.   This was facilitated by a computer pro- 
gram devised to accept an input drag polar matrix and correct each flight test point to its nearest nominal C. and Mach 

number.   Additional points were also created to assist in the fairing of drag curves by correcting the flight test points to the 
nearest C. and Mach number above and below the nominal value.   From the output of this program a new matrix of drag 

polars could be developed and compared with the input polars.  When the deviation between the two were sufficiently small 

' 

,'' 
• 



to be insignificant, the process was complete.   The final 
set of drag polar; thus determined is presented in Figure 61, 
A distinction is made between the primory points, or those 
which are nearest to the nominal Much numbers, and the 
secondary points which were created to fill in gaps and 
assist with curve fitting. 
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4.4    Correlation Results 

Results from correlation studies of predicted drag from 
wind tunnel tests,   ind flight test data, are now presented for 
the C-5A configuration.   Figure 62 compares drag polars at 
M = 0,700 at a Reynolds number of 55 x lO^MAC,   The flight 
data, transferred from Figure 61 represent the equivalent rigid 
aircraft condition.   The wind tunnel test data are corrected by 
the methods described in Section 4,2.   Two methods of scaling 
the model data ore used to correlate with the flight results. 
In Section 3.4, it is shown that the difference in Reynolds 
number correction from use of Method 1(c), and the revised 
method based on calculated wing profile drag from viscous 
theory, was 5 aircraft drag counts.   Section 4.2.5 indicates 
a target level of 7 counts for the aircraft roughness drag, and 
an actual estimated value of 9 counts attained during the final 
development phase.   This number represents 6.8% of the total 
configuration profile drag. 

A 
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Figure 62 indicates very close agreement between the 
predicted drag polars and Flight test data.   The correlation of 
airframe profile drag Cn   is of more interest, and is shown in 

Figure 63.   The flight test data are again for the equivalent 
rigid aircraft, and normalized to a Reynolds number of 55 x 
10 /MAC.   All the flight data points shown are from the 
Mach number range 0.65 s M s 0.725.   Agreement of 
CD is within 1% for Method 1(c) and 3% for Method II. 

PMIN 
The magnitude of predicted C. for minimum C-   appears to 

L Up 

be slightly higher than the flight test value, but the discrep- 
ancy is only 0.025 in C.. 

The variation of profile drag with C.  is generally in 

close agreement over the C. range from 0.20 to cruise values 

in the region of 0.45.   The discrepancies at higher C. 's must 

be viewed as accumulated errors in either flight test data, 
where the high C.  range exhibits greater scatter, or further 

unknown errors in the wind tunnel data such as support inter- 
ference   inaccuracies, transition fixing, or tunnel flow and 
interference errors.   The agreement in values of C-. 

Up 
MIN 

and Cp. is, nevertheless, considered to be substantially 

better than many previously published wind tunnel-flight 
correlations. 
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FIGURE 62.  CORRELATION OF C-5A PREDICTED 
AND FLIGHT TEST DRAG AT M = .7 
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Figures 64, 65, and 66 are presented in order to 
examine Reynolds number effects and the overall accuracy 
of the flight data.   Two of the figures present total flight test 
drag (64, 65) and one the profile drag comparisons (Figure 66). 
The rationale for presenting alternative sets of data in this 
analysis is to find what,  if any, differences are introduced 
by the flexible corrections.   The methodology employed to 
generate and present the flight data in all figures is the same. 
Initially, having determined the C. - Mach number variation 

in the flight data,   it is possible to normalize all the flight 
test points to one common C, and M condition.   In this 

instance no assumption is made regarding Reynolds number 
effects and the drag values thus obtained are plotted against 
Reynolds number.   For comparisons of total C-., the data 

have been normalized to C. = 0.46 at M = 0.7 and for the 

profile drag case,  the data are normalized to the minimum 
profile drag level at M = 0.7,   High Mach number test 
points have been included in order to show as many points 
as possible.   Where the test Mach number is greater than 
the drag rise Mach number, the symbols are solid.   Test 
points having values of C. > 0.53 have been eliminated for 

these figures, since separation effects at high C. 's tend to 

produce excessive scatter in flight measured drag. 
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FIGURE 63.   CORRELATION OF C-5A PREDICTED 
AND FLIGHT TEST PROFILE DRAG 

As can be seen by comparing Figures 64 and 65, the flexibility corrections tend to reduce the amount of scatter in the 
flight data, and have no apparent effect on observable Reynolds number trends.   The scale effect noticeable in the total drag 
is also apparent in the minimum profile drag of Figure 66,   For comparison, a curve representing the estimated variation of 
minimum profile drag with Reynolds number is superimposed on Figure 66. 

The method chosen for the estimated scale effect is Method 1(c) of Section 3.4, By resorting to either Method II or III, 
a slightly larger scale correction would apply. Statistical analyses of the data of Figure 66 show that the scatter in the flight 
data averages AC-. - ±0,00045, which represents only ±3.5% of the total flight profile drag or about ±2.0% of cruise drag. 
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FIGURE 65.   C-5A EQUIVALENT RIGID FLIGHT TEST DRAG 

The trends of profile drag with Reynolds number, shown 
in Figure 66, indicate that the variation of this component up 
to values of R. . = 100 x 10 /MAC are in close agreement with 

estimated Reynolds number effects based on theoretical methods 

available.   It would appear therefore that the overall skin 
friction of the aircraft is representative of smooth turbulent 

boundary layer conditions, and that the effective surface 

distributed roughness drag of the configuration is always 
less than estimated for "critical" roughness based on 

Nikuradse's experiments.    Information given in Section 
4.2.5 confirms that with the strict monitoring process on 
tolerances during the development stage, together with the 

benefits of paint sprayed surfaces distributed roughness drag 

is not encountered and the results confirm the absence of a 
"terminal" value of skin friction drag. 

rigure 67 compares the C-5A drag-rise characteristics 

from prediction based on wind tunnel data, and flight test. 

Flight characteristics for both the flexible and rigid aircraft 

are shown,  indicating a small difference in drag rise due to 

flexibility.   The correlation of the rigid aircraft drag rise 
Mach number, based on the definition dC-VdM = .05, in- 

dicates agreement within AM-, = .001 between the predicted 

and flight test characteristics.   In the low Mach number range, 

0,70 < M < 0.77, however, a favorable reduction in the drag 

creep characteristics at full scale conditions is noted.   This 

is believed to be due in part to a favorable Reynolds number 
effect on the viscous form drag, due to the method of fixing 
transition in the wind tunnel, as indicated in Section 3.2. 

Other contributions to this discrepancy must be attributed 

to the complex problems of simulating high Reynolds number 
flows in mixed flow conditions, as outlined in Section 3.2. 
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FIGURE 67.  C-5A DRAG RISE COMPARISON In this section some preliminary results from the C-141A 
drag correlation program are presented. Under the sponsorship 

of NASA,   Langley, this study included retesting of a C-141 A 

model to obtain wind tunnel data as complete and reliable as possible.   This work is not yet complete and therefore, only 

preliminary results are presented here.   The C-141 A flight data shown here are taken from Reference (60) where an analysis, 

similar to that described for the C-5A, was reported. 

Two sets of estimates based on wind tunnel tests are included in this correlation; one set is taken from pre-f light wind 

tunnel results, and the other from a recent high speed test at the NASA Lanyley 8 foot facility (1).   Again, scale corrections 

are considered using Method III of scaling profile drag, to show a range of estimates.   No correction for full scale rough- 

ness drag has been applied.   Figure 68 shows the C-141 A profile drag variation with lift coefficient from flight test compared 
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jy 
with the wind tunnel based estimates.   The flight datapoints 
have been normalized to M = 0.7 and R.. = 32.5 x ICr/MAC, 

Excellent correlation is shown with the Lang ley data except 
at the higher lift coefficients.   The deviation at high C. may 

not be as large as shown here in v'ew of the fact that only a 

few flight points are available in the high C. region and the 

fairing of the flight test mean I'ne may be questionable.   The 

earlier set of wind tunnel estimated data was based on model 
testing with transition fixed by a wide band (0.4 inches) of 

densely distributed carborundum particles.   This technique 

was used extensively in the past and there is all likelihood 
that transition was overfixed, resulting in excess pressure 

drag due to overthickening of the boundary layer.   Appar- 

ently this is the case since the I ft dependent profile drag 
from this test differs significan ly from both the flight results 
and the Langley data.   Also, a significant roughness drag 

correction due to    .e tran<i ion strip was applied to the 

data,    n the case of the Langley test, the C-14IA model 
transtion fixing t chnique was intended to prevent these 

problems, and fo lowed that developed for the C-5A. 

It is shown that the C. for minimum profile drag and 

the value of mi  imum profile drag are essenti  lly the same 
for the  light test data and for the prediction based on the 
Langley wind  unnel data.   The scale correction used to 

extrapolate the wind tunnel dara to full scale was based 

on Method II     Use of a smaller scale correction from 
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5 drag counts. 

Figure 69 shows a scale effect co rel tion of the C-141A 

minimum profile drag.   The fligh   test resu ts (60) have been 

normal zed to the lift coefficien   for min mum profile drag at 

M = 0.7 in order to examine Reynolds nu .ber effects.   The 

mean curve through the data and the ace   acy bands placed 

on the figure are from Referen e (60), where a statistical 

analysis of the flight test data was repor ed.   The mean line 

does not represent any of the five scaling techniques as was 
the case for the C-5A data, rather it is  . statistical best fit 

of the data.   However, the   ariation o  C^   with R. .based 
Dp N 

on Method II is presented on the figure as a comparison. The 
agreement between the two is within ) 5 drag counts over the 

flight range of R^. which is only about 1% of profile drag. 
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FIGURE 69.   CORRELATION OF C-141 MINIMUM PROFILE 
DRAG 

In Re fere, i c i 
of the ' 
the meo . 

data, c 

estimated the 

consideration w« g ven to the accuracy 
ita by assess'rg t'e overall cccuracy of 

•■J the correc1 ons made to the flight 
r smining the fligh   test scatter.   It was 

i overall inaccuiacv of the flight data 
should be no largei than AC-. - ±0 00074 or £3.3 percent 

of drag at cruise.   Statistical analyses showed that the 

scatter in the flight data averaged c3.' percent of cruise 

drag, which agrees w th the estimate   e y closely. 

6.    AERODYNAMIC SMOOTHNESS 
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FIGURE 70.   SUBSONIC PARASITE DRAG 
The chart shown in Figure 70 presents the familiar 

correlation of aircraft effective skin friction drag for sub- 

critical flight test conditions.   The data points shown are all 

for large subsonic aircraft,  including commercial jets, military cargo turboprop and jet transports, and bomber aircraft.   The 

majority of the data for jet transports lies close to an effective skin friction line of C, = 0.0030.   Three turboprop cargo air- 

craft with rear loading capability and, consequently, upswept afterbodies exhibit values of Cf in the 0.0050 to 0.0060 range. 

Data for the C-5A indicate a relatively high degree of aerodynamic cleanliness giving C, = 0.0027.   This is confirmed by 

the trends of the individual flight test data points with Reynolds number presented in the previous section. 

.  ; 
' 

i 
■ 



It appears that effective skin friction for subsonic transports can be reduced to levels approaching C, = 0.0025 and 

possibly lower if meticulous care is taken in detailed aerodynamic design during rhe development stage. 

7.    CONCLUSIONS 

This survey has presented some of the main features and problems of subsonic drag estimation from an industry point 
of view.   In particular, experience gained on the development of large multi-engined transport aircraft has been outlined, 
with details of preliminary estimation methods, wind tunnel testing techniques, and the degree of correlation obtainec1 

between predictions based on wind tunnel data and flight test data. 

Some of the principal conclusions to be noted are: 

1. Semi-empirical methods of estimating wing profile drag are generally inadequate at the project design stage of 
a new aircraft, and should be supplemented when possible by viscous flow solutions using potential and boundary 
layer theories.   Use of the "flat plate x shape factor" approach can give    inaccuracies for two reasons, (a) ±10% 
scatter in test data upon which several semi-empirical formulae are based, and (b) inadequate definition of the 
true shape factor accounting for the exact degree of form drag at minimum drag conditions, and at angle of 
attack.   In this respect, correlation of estimated shape factor is rendered difficult due to use of empirical formulae 
based on mixed laminar-turbulent flow measurements, and results in discrepancies of 10 •• 15% depending on the 
type of airfoil camber and loading design.   A requirement exists for research on skin friction beyond about 300 x 
ICr based on component length, where very little test data has been obtained to substantiate Schoenherr's mean 
line extrapolation.   This is of particular importance with regard to prediction of transport fuselage drag, where 
length Reynolds numbers of up to 600 x 10° are considered. 

2. The viscous flow solution, using potential flow and boundary layer theories, has proved to b? a valuable tool in 
both predicting airfoil profile drag and interpreting test data.   Minimum profile drag, c , , is shown to be 

dp 
MIN 

predicted to within 2% from detailed correlation studies of test data.   Although limited to subcritical attached 
flow conditions, reasonable agreement is shown for the lift-dependent profile drag up to moderate values of c. 

for a wide range of airfoil designs, ranging from "conventional" to highly loaded peaky and aft cambered designs. 
Procedures for computing profile drag in the presence of unsymmetrical or separated boundary layers and in super- 
critical flows remain to be developed.   Prediction of drag-rise Mach number for conventional airfoils is satisfactory, 
using established criteria; for airfoils with both upper and lower surface "critical" boundaries, suitable pressure 
distribution shape criteria to supplement the standard methods are essential, 

3. Further research is required on component interference, particularly wing-fuselage.   Although adequate methods 
are available for prediction of individual wing and fuselage drag for most conventional transport designs, no 
satisfactory methods exist for estimating three-dimensional interference in viscous flows, and heavy emphasis is 
still given to ad-hoc wind tunnel testing at low Reynolds number, supplemented by potential flow methods and 
empirical "guidance" techniques. 

4. Considerable effort has been made recently, and will continue, on improving the confidence level of wind 
tunnel data for use in predicting full scale drag.   This approach has not always proven fruitful in the past,  very 
often due to inadequate quality of model testing techniques, and erroneous interpretation of test data.  Very 
detailed and systematic tests are required to ensure that good data is obtained and that the full limitations of 
low Reynolds number testing are appreciated.   A method of fixing transition for the subsonic region has been 
demonstrated, but no completely satisfactory method exists for predicting full scale drag-rise characteristics 
in mixed flows.   Evaluation of the type of wing shock-boundary layer and trailing edge flow characteristic 
is required before a reasonable interpretation can be made of the likely scale effects on drag-rise Mac', 
number. 

5. Detailed correlation studies of the C-5A cruise drag have been made, using predictions based on wind tunnel 
data and flight test results. These data are presented with emphasis on the wind tunnel corrections necessary 
for a valid correlation, and the accuracy of the flight-measured thrust levels. Confidence in the powerplant 
thrust measurements was demonstrated through the excellent agreement of test results from different test facilities 
and vhe flight-test confirmation of consistency for thrust and airflow calculations. Statistical analysis of the 
flight data indicated a scatter of ±3.5% of profile drag. It is shown that predicted subcritical minimum profile 
drag agrees within 1 - 3% with rigid airframe flight test data.   The variation of profile drag with C. is also in 

good agreement. This degree of correlation confirms that use of low Reynolds number test data, carefully 
measured, and use of standard scaling methods are adequate for the purposes of predicting full scale drag. 
Agreement of drag-rise Mach number, based on the definition dCp/dM = .05 is within 0.001 in Mn.   The 

most notable difference in wind tunnel and flight drag-rise is in the nature of the subcritical drag creep, 
which is assuired to be due to a favorable scale effect associated with the method of fixing transition in the 
wind tunnel. 



/-Ä 6.    Experience on two large transport aircraft, the C-141A and the C-5A, demonstrates that a strict monitoring 
procedure to minimize manufacturing surface "roughness" results in full scale profile drag representative of 
smooth turbulent flow over Reynolds m mber ranges up to 100 x lOvMAC.   This suggests that the effective 
surface distributed roughness drag is Itis than that predicted for a "critical" roughness based on the Nikuradse 
sand grain criterion.   The correlation if predicted profile drag, based on wind tunnel tests, with flight data, 
confirms that the methods in use for estir. -iting this increment are reasonably accurate for this aircraft con- 
figuration . 
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AERODYNAMIC DRAG AND LIFT OF GENERAL BODY SHAPES 

AT SUBSONIC, TRANSONIC AND SUPERSONIC MACH NUMBERS * 

by 

Frankie G, Moore ** 
Naval Weapons Laboratory 

Dahlgren, Virginia 
USA 

SUMMARY 

Several theoretical and empirical methods are combined into a single computer program to predict drag, 
lift, and center of pressure on bodies of revolution at subsonic, transonic, and supersonic Mach numbers 
and for angles of attack to twenty degrees. The body geometries can be quite general in that pointed, 
spherically blunt, or truncated noses are allowed as well as discontinuities along the nose. Particular 
emphasis is placed on methods which yield accuracies of ninety percent or better for most configurations 
but yet are computationally fast. To handle the blunt nosed configurations, a new procedure has been 
employed: that of combining modified Newtonian theory with perturbation theory. 

Theoretical and experimental results are presented for several projectiles and the comparisons meet 
the general accuracy requirements above. The combined perturbation - Newtonian theory gave pressures 
which compared better with experiment than any existing approximate technique in the lower supersonic 
speed regime. 

A 

LIST OF SYMBOLS 

C^    total axial force coefficient 

cAf 

CAW 

CD, 0 

Cdc 

Cf 

CN 

S 
dB 

I 

M 

pr 

R 

RN 

Sw 

Sr, 

axial force coefficient contribution from 
skin friction 

axial force coefficient contribution from 
expansion and shock waves 

zero lift drag coefficient; Cp_ = CA 

crossflow drag coefficient 

mean skin friction coefficient based on 
free-stream Reynolds number 

pitching moment coefficient about nose 
unless otherwise specified (positive nose-up) 

normal force coefficient 

pressure coefficient; Cp=(P-Poo)/(l/2p0OV0o
2) 

base diameter (calibers) 

body length (calibers) 

Mach number 

Prandtl number 

body radius (calibers) 

Reynolds number - (pV!i)/\i 

wetted surface area of body 

planform area of body 

wall temperature 

x,r,6 cylindrical coordinates with x along axis of 
symmetry and in calibers and 6=0° in leeward 
plane 

x.y.z octangular coordinates with x along axis of 
symmetry and in calibers 

-cp 

u,v,w   velocity components in cylindrical 
coordinate system 

V total velocity - V =  / u2 + v2 ♦ w2 

Vol       volume of body 

center of pressure in calibers from nose 
unless  otherwise specified 

distance to centroid of planform area in 
calibers  from nose 

angle of attack 

angle between tangent  to body surface and 
axis of symmetry 

ratio of specific heats   (y =  1.4) 

angle    between a tangent  to the body surface 
and freestream direction 

angle which the nose makes with the shoulder 
of the body  (degrees) 

ratio of drag coefficient of a circular 
cylinder of finite  length to that of a cir- 
cular cylinder of infinite length 

9 
c cine half angle 

P density 

Subs cripts 

OD freestreair condit ions 

a afterbody 

B boattail 

BA bise 

n nose 

r reference conditi ins 
afterbody diameter = dr) 

v 
\ 

 * 

*    Research partially sponsored by Naval Ordnance Systems Command under ORDTASK 3SA-501/090-1/UF 32-323-505 

** Research Scientist in Ballistics Division of the Surface Warfare Department 

• ^    r 



r> 
i. INTRODUCTION 

There are many methods available in any particular Mach number region to compute drag and lift on 
various body shapes.    Thtse methods range in complexity from exact numerical to semi-empirical and the 
body shapes vary from simple pointed cones to complex multi-stage launch vehicles.    However,  attempts at 
combining the various methods  above into an accurate and computationally fast computer program have been 
scarce.    Saffell, et al1 developed a method for predicting static aerodynamic characteristics for typical 
missile configurations with emphasis placed on large angles of attack.    However,  the drag was computed by 
handbook techniques2  and slender body theory was used for the  lift and pitching moment.    As a result, poor 
accuracy for body alone aerodynamics was obtained using this method. 

Another method which computes drag and lift throughout the Mach number range is the GE "Spinner" pro- 
gram3 designed specifically for projectiles.    This program, which is based on empirical correlations as a 
function of nose length, boattail  length,  and overall length,  gives very good accuracy for most standard 
shaped projectiles.   However, its use as a design tool is somewhat limited in that the drag of a given 
length nose is the same no matter what ogive is present or if there are discontinuities present along the 
nose.    The same statement applies to the boattail sin« a conical boattail of from 5° to 9°  is assumed no 
matter what the boattail shape is.    Moreover,  no pressures can be computed by the GE program and no 
attempt has been made to include nonlinear angle i r attack effects. 

It is apparent then,  from the above discussion,  that there is a definite need for an analytical method 
which can take into account nose bluntness and ogive shape, discontinuities along the body surface,  as 
well as nonlinear angle of attack effects.    The theory should be accurate enough to replace preliminary 
and intermediate wind-tunnel testing but yet should be computationally fast enough so it can be used as an 
efficient design tool. 

The method presented herein for accomplishing 
the above task relies heavily on analytical work and 
to a lesser degree on empirical data.    As  such,   it 
is believed to be the first such program with major 
emphasis on analytical  as opposed to empirical pro- 
cedures.    Some of the methods had to be modified to 
handle the general geometries of interest  and this 
will be discussed later. 

The body shapes considered assume the nose may 
be pointed,  truncated,  or have a spherical  cap. 
There may also be two ogives present with a dis- 
continuity in shape between the two.    The afterbody 
consists of a cylinder followed by a boattail or 
flare as shown in Figure 1. 
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ANALYSIS 

2.1 Wave Drag 

Wave drag results  from the expansion and compression of the air as  it flows over the body surface. 
Compression of the air is seen in the form of shock waves which first occur around Mach number 0.7 to 0.9 
depending on the body shape.    The methods used to calculate this form of drag differ significantly in 
transonic and supersonic flow and thus will be discussed individually below. 

2.1.1 Supersonic Flow 

There are several methods available for calculating the supersonic pressure distribution but only two 
hold promise of meeting our requirements on speed of computation and accuracy as set forth in the intro- 
duction.    These methods are the second order perturbation theory of Van Pyke''•5'6 and the second order 
shock expansion theory7 modified for blunt bodies in reference 8.    Since the major interest of the present 
work is in the lower supersonic speed regime, the perturbation approach is chosen because it is more 
accurate than shock expansion theory at these Mach numbers.    If the nose is pointed with slope less than 
the freestreara Mach lines, then the perturbation theory is sufficient to calculate the entire pressure 
distribution.    Since the above references 4, 5, and 6 give a detailed discussion of the perturbation 
theory, it will not be repeated here.    If the nose is blunt, the perturbation theory is combined with 
modified Newtonian theory as discussed below. 

The modified Newtonian pressure coefficient is 

Cp - C^sin2 6 

where the stagnation pressure coefficient behind a normal shock is 

(1) 
, 

^Po ^r^] * [ 
i 

m 
2Y N£ (Y 17] 

■1 (2) 

According to reference 9,  if the nose is truncated then the pressure on the truncated portion is only 
about ninety percent of the stignation value given by eq.  (2) so that for a truncated nose: 

1 
C„ (o.r) 2 

Y 
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(5) 

On the other hand,  if the nose has  a spherical cap it can be shown that: ,y   J) 

6 = sin        [sinß cosa - cosß cosö sina] 

where tan ß = dr/dx.    Then combining eqs.   (1)  and (4)  one obtains for a spherical  nose cap: 

Cp (x.e) = Cp    [sin2ß cos2a - sin2a sin ß cos ß cos 6 + cos2ß cos2e sin2a] 

where Cp    is given by eq.  (2). 

Assuming that the pressure coefficient over that portion of the body where the local slope is small 
can be calculated by perturbation theory,  the only question that now remains so far as the supersonic Mach 
number region is concerned is where does the modified Newtonian theory end on the surface and where does 
the perturbation theory begin.    To determine this match point, recall that the slope of the body surface 
must be less than the Mach angle to apply perturbation theory, that is 6 £ sin"1   (1/HJ .    Thus, the upper 
limit of the perturbation theory is 

6 = sin'1  (l/HJ (6) 

Using this relation in eq. (4) and assuming a spherical nose cap there is obtained for the coordinates of 
the point below which Newtonian theory must be applied: 

ru = rn/Ho ['^0-1 cos a + sin a] 

xu = ru tan a + rn [1 - 1/(1^ cos a)] 

(7) 

It is important to note here that if x > xu Newtonian theory may still be applied but if x < xu perturba- 
tion theory cannot be applied. 

The limiting angle of eq.  (6)  corresponding to 
the coordinates of eq.   (7)  is shown in Figure 2 as 
the upper curve.    Note that very large cone half 
angles can be computed using the perturbation 
theory at the lower Mach numbers.    However,  as 
shown by Van Dyke1* the loss in accuracy of pertur- 
bation theory increases rapidly as the angle & is 
increased.    Realistically, since at an angle of 
25°  -  30°  the error is still slight the maximum 
angle 6    for which perturbation theory is applied 
should not exceed these values.    Based on these 
accuracy considerations, the Newtonian theory 
should be applied for 6 values outside the solid 
line boundary of Figure 2 and perturbation theory 
within the boundary.    Now the match point, which 
for the present work will be defined as the point 
where the pressure coefficients of the Newtonian 
theory and the perturbation theory are equal,  can 
be determined as the solution proceeds downstream. 
For body stations downstream of the match point, 
perturbation pressures are used in the force 
coefficient calculations whereas for x values 
along the surface less than that at the match 
point, Newtonian pressures must be used. 

2.1.2 Transonic Flow 

20 2.5 
MACH NUMBER-Ma, 

FIGURE2 BOUNDARIES OF PERTURBATION AND 
NEWTONIAN THEORY If the flow is transonic, the available 

theories for the wave drag calculations are limited. 
Here the main limitations are in body shape 
because there does not appear to be a theoretical 
method available which can handle the blunted nose 
or the discontinuities along the body surface. Wu and Aoyoma10»11 have developed a method which handles 
tangent-ogive-cylinder-boattail configurations at zero angle of attack but no general nose geometries can 
be used as is the case in supersonic flow. Thus the approach of the present paper will be to calculate 
the wave drag for tangent ogive noses of various lengths throughout the transonic Mach number range and 
to estimate the wave drag of the more complicated nose geometry based on these results. It is true that 
the accuracy here is not consistent with that of the supersonic work; but it appears from the results (as 
will be discussed later) that this approach is justified, at least for noses with slight blunting 
(rn/rb < 0.3). 

Figure 3 gives the axial force coefficient for tangent ogive noses as a function of nose length and 
Mach number as computed by the nonlinear-linear stretching method of Wu and Aoyoma.  For a given nose 
length and transonic Mach number, one can obtain the axial force from these curves by interpolation. If 
pressure coefficients are desired, the general program of Wu and Aoyoma must be used. 

For the boattail wave drag, again the work of Wu and Aoyoma11 is used where the pressure coefficient 
along the boattail is given by: 

Cp(X) -2/S  Cxi - C) 

/(Y*l) H»V» 

1 
25 

(X! - C)2 

CY*1) M«,2/3 

1 -H,2 1 
(Y+l) M4 J 

i/ä 

- (dR/dx)' (8) 
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w where x,   is measured from the shoulder of the boattail and 

C2  =  2S  (Y+l) Hx,2/3 
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2 (Y+l) M£ 
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Eq.   (8)  can be integrated numerically to obtain the boattail   wave  drag. 

2.2 Skin Friction Drag 

For large caliber projectiles and missiles,  the boundary  layer will generally be turbulent over about 
ninety percent of the projectile body.    Thus,  for simplicity,  it will be assumed that the entire boundary 
layer is turbulent.    Further,  it will be assumed Prandtl number one and zero pressure gradient so that 
the method of Van Driest12 can be used.    According to Van Driest the mean skin friction coefficient can 
be obtained from: 

0.242 (sin ■' Ci + sin -1 C2) = log10 (RN«, CfJ - (l+2n)/2 log10 (T^T») (9) 

A  (CfJ   'Z2     (VT«)1/2 

where 
Cl 

2A2   -   B 
(B2  I  4A231/2   '     ^"(B2 '*  4A2)V2   ' 

1/2 

_ Ry-l) Hll      . 
' L  2 Tw/TcoJ 

1 +   (Y-l)/2 V& 
B =      -1 

Ttj/ *oo 

The variable n of eq.   (9)  is the power in the power viscosity law and is 0.76 for air.    Once the mean 
skin friction coefficient has been determined from eq.   (9), the viscous axial force coefficient is: 

CAf = Cf» Sw/Sr HO) 

2.3 Base Drag 

Much theoretical work has been performed to predict base pressure (references 13 -  17).    There is 
still no satisfactory theory available, however, and the standard practice has been to use empirical 
methods.    This is the approach taken here.    Figure 4 is a mean curve of experimental data from references 
13,  14 and 18 through 24.    This data assumes a long cylindrical afterbody with fully developed turbulent 
boundary  layer ahead of the base.    There could be deviations from this curve due to low body fineness 
ratio, boattails, angle of attack, Reynolds number and surface temperature.    Each of these effects will 
be discussed below. 
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FIGURE 4. MEAN BASE PRESSURE   CURVE 
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The minimum length of most projectiles is about four calibers,    According to references 18 and 24, 
the base pressure at  low supersonic Mach numbers is essentially unaffected by changes in body length if 
the fineness ratio is greater than four.    This is not true at high supersonic and hypersonic Mach numbers 
as shown by Love12.    But sines the main interest is for M» ^ 3 the effect of overall fineness ratio on 
base pressure can be neglected. 

In addition to the above. Love shows that the nose shape has little effect on base pressure for high 
fineness ratio bodies.    Thus, for bodies of fineness ratio of four or greater the effect of nose shape 
and total  length on base pressure can be neglected. 

The base pressure is significantly altered by the presence of a boattail so that this change must be 
accounted for.    Probably the most simple method to do this is an empirical equation given by Stoney23. 

C
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Eq. (11) can be used throughout the entire Mach number range where Cp  is the base pressure given by the 
curve of Figure 4. " 

It has been shown in many works17'26 that the base pressure is essentially independent of Reynolds 
number, R^, if the boundary layer ahead of the base is fully developed turbulent flow. A turbulent boun- 
dary layer usually occurs for RN of 500,000 to 750,000 depending on the roughness of the body surface. 
The minimum R^j ahead of the base one would expect tc encounter on the present bodies would be about 
1,000,000. Moreover, most practical body shapes have various intrusions and protrusions, such as on the 
fuze of a projectile, which tends to promote boundary layer separation. In view of these practical con- 
siderations, Reynolds number effects on base pressure may safely be neglected (the same arguments also 
hold for surface temperature}. 

The effect of angle of attack on base pressure is to lower the base pressure and hence to increase the 
base drag. For bodies without fins, the amount of this decrease is dependent mainly on freestream Mach 
number.  If a is given in degrees then an empirical relation for the change in base pressure coefficient 
due to angle of attack is given by 

[AC 
PBAJ 

-(.012 - .0036HJ a (12) 

Eq. (12) was derived from a compilation of experimental data presented in Figures 7 through 15 of refer- 
ence 18. The base drag coefficient now becomes, in light of eqs. (11) and (12): 

CA BA - [CpBA - (.012 - .oosenja] (dB/dr): 
(13) 

2.4 Inviscid Lifting Properties 

At supersonic Mach numbers the inviscid lift, pitching moment, and center of pressure are calculated 
with the hybrid theory of Van Dyke. This method is adequate for small angles of attack where viscous 
effects are negligible. At subsonic and transonic Mach numbers the lifting properties are more difficult 
to obtain. For subsonic velocities the lift could be calculated by perturbation theory25 but since pro- 
jectiles rarely fly at Mach numbers less than 0.7, a formulation on this basis was not justified. An 
alternative would be slender body theory but the accuracy of this approach is inadequate.  In light of 
the above reasoning, a semi-empirical method for normal force characteristics was derived based on nose 
length, afterbody length, and boattail shape. This method was then extended through the transonic Mach 
number rauge since the state-of-the-art in transonic flow does not allow one to handle the general body 
shapes or flow conditions. 

A 

The total inviscid normal force acting on the 
body may be written 

Cw    =   (CKI ) 
"a Na n CCNa) fCN„\ (14) 

where the subscripts n, a, and B stand for nose, 
afterbody, and boattail respectively. The first 
term of eq.   (14)  can be approximated by 

a n 
Cj tan 6* + C2 (15) 

3 ■ 

Ct/rod ""A 
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1 

0 

(CN.),- C, TANS'+C, 

C./hid 

EXPERIMENT (REF 31) 

0.25 1.00 

where C2 and C2 are given in Figure 5 as a function 
of Mach number. This relationship was determined 
empirically from the cone results of Owens27.  It 
is approximately correct for ^n i I-5' cone blunt- 
ness up to 0.5, and M^ < 1.2. Here the angle 6* in 
eq. (15) is the angle which the nose makes with 
the shoulder of the afterbody. 

The normal force coefficients of the afterbody 
and boattail can be obtained from Figures 6 and 7 
respectively. Figure 6 was derived analytically 
in the transonic Mach range from the method of Wu 
and Aoyoma11 and in subsonic flow from the experi- 
mental data of Spring28 and Gwin29. In the work of 
Spring and Gwin above, the normal force of the nose 
plus afterbody was given but the nose component can 
be subtracted off by the use of eq. (IS). The 
boattail normal force coefficient was given by Washington30, but he stated that there was not enough data 
available in subsonic and transonic flow. Hence the data of Washington was supplemented by the 175ram 
Army projectile31 and Improved 5"/54 Navy projectile32 data to derive the general curve of Figure 7. 

Although slender body theory may not be adequate for predicting the normal force coefficient, it ap- 
pears to predict the center of pressure of the nose and boattail lift components at subsonic speeds 
reasonably well. According to slender body theory the center of pressure of tne nose is: 

o.so       O.TS 

MACH NUMBER- M. 

FIGURE 5 CONSTANTS TO DETERMINE (CNa) FDR ¥«< 1.2 

(Vn = An -  (VDn 
w R' 

and of the boattail: 

(16) 

(XCD^ cp-'B Än+ *a +  in (Vol)B (17) 
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The center of pressure of the afterbody normal force 
was  calculated analytically by the method of Wu and 
Aoyoma in transonic flow and assumed to have the 
same value in subsonic flow.    Figure 8 is a plot of 
(xCp)a/J.    versus afterbody  length measured at the 
point where the afterbody begins.    Now knowing the 
individual  lift  components and their center of 
pressure locations, one can compute the pitching 
moment   about the nose as: 

l»-W% 

C^ = -   [CCNa)n  (xCp)n ♦  (CNa)a Cxcp)a 

+  ^B  CXCP3B] (18) 

(XeH,- ^ ♦ [«c»^/«.]«. 

I «9.4 » •? 

2.5 Viscous Lifting Properties ^ 
 "  FiaURE 8 CENTER OF P«$3W«E OF AFTEIWOOV LIFT FOR MM<I.2 

Strictly speaking, the previous discussion on 
inviscid lifting properties gave C^j    and CM    at a 
= 0 only.     If a > 0, there is a non^Unear    contri- 
bution to  lift  and hence pitching moment due to the 
viscous crossflow of velocity V = V» sin a.    Allen and Perkins33 list these contributions as; 

(CN) 
vis 

n cdc sp/sr (19) 

(CM), -n cH  s^/s,. Xp a' (20) 

where n and Cj    are given in Figure 9.    Note that the crossflow drag coefficient is here taken to be a 
function of Ma8h number only and the crossflow Reynolds number dependence is not accounted for.    The 
center of pressure of the entire configuration should then be: 

cp - m 
CN 

(cM)vis 
(cN)vis 

2.6 Summary 

Figure lw gives a summary of the various methods used in each particular Mach number region to com- 
pute static aerodynamics.    As may be seen, major emphasis has been placed on analytical as opposed to 
empirical procedures. 

3.    RESULTS AND DISCUSSION 

3.1 Numerical Techniques 

A computer program was written in Fortran IV for the CDC 6700 computer to solve the various equations 
discussed in the analysis section by numerical means.    The various methods used for each individual force 
or moment component are the same as those discussed in the references and will not be repeated here.    How- 
ever, mention should be made of the fact that the step size used in the hybrid theory of Van Dyke was con- 
siderably smaller than he suggested, particularly for a blunt nosed body or behind a discontinuity.    For 
example,  for the most complicated body shapes as many as 200 points were placed along the body surface. 
Also slight oscillations in the second order solution were found behind a corner although Van Dyke does 
not mention these details. 

Quite often, it was necessary to evaluate an integral numerically or to compute the value of a func- 
tion and its derivative at a given point.   The integration was carried out using Simpson's rule; the 
interpolation and differentiation using a five point Lagrange scheme.    Both methods have truncation 
errors which are consistent with the accuracy of the governing s'it of flow field equations. 



0.7- 

2-7 

0.6- 

^ 

o 2 4 e e i 
BODY   FINENESS RATIO-  I 

FIGURE 10-A. DRAG PROPORTIONALITY FACTOR-i; 

2.01- 

0.S 1.0 1.5 2.0 2.5 

CROSSFUOW MACH NUMBER-M. Sin a 

FIGURE IOB.   CROSSFLOW DRAG COEFFICIENT 

FIGURE 9    DRAG PROPORTIONALITY FACTOR AND 

CROSSFLOW ORAO COEFFICIENT 

\     MACH 
I                 \   NUMBER 
|C0MPONENT \RE6I0N SUBSONIC TRANSONIC SUPERSONIC   | 

NOSE WÄ/E DRAG 

WuondAOTOMA 

PLUS 

EMPIRICAL 

BORDER VAN 
DYKE PLUS 
MODIFIED 

NEWTONIAN 

BQATTUL WAVE DRAG WuandAOVOMA a^OROERVAN 

DYKE 

SKIN FRICTION DRAG VAN DRIEST U                            | 

BASE DRAG EMPIRICAL                                 | 

1NVISCID LIFT and 

PITCHING MOMENT 
EMPMCAL 

WuandAOYOMA 

PLUS EMPIRICAL 

TSIEN BORDER 
CROSSFLOW   | 

VISCOUS LIFT and 

PITCHING MOMENT 
ALLEN and  PERKINS CROSSFLOW 

FIGURE 10 METHODS USED TO COMPUTE BODY ALONE AERODYNAMICS 

The computational times depend on how complicated the body shapes are and the particular Mach number 
of interest.    The longest computational time for the most general body shape computed was  less than half 
a minute for one Mach number.    For most configurations the average time is about fifteen seconds per Mach 
number for H» ^ 1.2 and about five seconds per Mach number for M» < 1.2.    This assumes of course that a 
table look-up procedure is used in the transonic region where the curves of Figure 3 are input as data 
sets as opposed to solving the nonlinear partial differential equation of transonic flow.    If the aero- 
dynamic coefficients of a given configuration are desired throughout the entire Mach number range,  an 
average execution time of two minutes is required for most configurations  (ten Mach numbers). 

A detailed discussion of the computer program,  along with a listing, is given in a report of the 
present work as reference 34. 

3.2 Comparison with Experiment 

The only new method presented in the current work is the combined perturbation - Newtonian theory for 
blunt bodies.    It is thus of interest to see how the pressure coefficients along the surface compare with 
experimental data.    Figure 11 presents a typical comparison at H,, = 1.5.    The experimental data is taken 
from reference 8 which combined modified Newtonian theory with shock expansion theory to compute forces 
on blunted cones.    The asymptotes of the pressure coefficient in each of the planes computed by the 
method of reference 8 are also indicated on the figures.    As seen in the figure,  the present theory 
predicts the aerodynamics much better than shock expansion theory at M,,, = 1.5.    For the very same blunted 
cone at H» « 2.96  (not shown) the present method gave values for the pressure and force coefficients 
which were about the same as those of shock expansion theory.    The reason for this is that the basic 
perturbation theory was deiived assuming shock free flow with entropy changes slight; hence the theory 
should be most accurate in the lower supersonic speed regime.    On the other hand,  shock expansion theory 
was derived assuming a shock present and so one would expect this method to be better than perturbation 
theory as N^ is increased.    Apparently, the crossover point is around H» ■ 2.5 to 3.0 so that for the 
major portion of the supersonic speed range of interest in the present analysis, perturbation theory is 
more accurate. 

Another interesting point in Figure 11 is the 
discontinuity in slope of the pressure coefficient 
curve which occurs at the match point.    This is 
because in the expansion region on the spherical 
nose the perturbation pressure decreases much more 
rapidly than the Newtonian theory and, as a result, 
the overexpansion region, which occurs at low super- 
sonic Mach numbers,  is accounted for quite well. 
Note that the match point is different in each 
plane around the surface (x s 0.11 to 0.14). 

One of the questions which arises in the 
development of a general prediction method pertains 
to accuracy.    To answer this question, force coef- 
ficients for several cases were computed embracing 
variations in nose bluntness, Mach number, angle of 
attack, and afterbody length.    These cases are 
presented in Figures 12 through 15 along with 
experimental data. 
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The first of these cases  (Figure 12)  gives the axial force coefficient, normal force coefficient, 
derivative, and pitching moment coefficient derivative as a function of nose bluntness for a simple 
blunted cone configuration.    Note that the axial force coefficient includes only the wave plus skin fric- 
tion components because the base drag was subtracted out of the given set of experimental data.    An 
important point here is that very good accuracy is obtained, even for large bluntness ratios.    For 
example, with bluntness rn/rg = 0.6, the force coefficients are in error by less than fifteen percent. 
This tends to verify that a combined perturbation - Newtonian theory can be used successfully for blunt 
configurations even at low supersonic Mach numbers. 

The next figure, Figure 13, compares the theoretical static aerodynamic coefficients with experiment 
as a function of Mach number for a blunted cone with bluntness ratio of 0.2.   Also included in Figure 13 
is the slender body theory.    As seen by the error comparisons at the lower part of the figure,  accuracies 
of better than ten percent can be obtained throughout the supersonic Mach number range for the force 
coefficients. 
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The third variable of interest is angle of attack.     Figure 14 presents the results for a tangent 
ogive cylinder of nose length six calibers and total  length fourteen calibers.    Two Mach numbers  are o    £J 
considered, 1^,, =  l.S and H,, =  2.S.    Again the results  are good,  except at very large angles of attack.    (S<~   / 

The final variable of interest,  afterbody length,  is  examined in Figure 15.    The nose of the body 
is a 2.83 caliber tangent ogive.    For zero afterbody  length,  the theory agrees with experiment very well. 
However, as the afterbody length increases the theory underestimates the afterbody lift at the  lower 
supersonic Mach numbers for short afterbody lengths and at  the higher Mach numbers  for long afterbody 
lengths.    This  loss   in lift predicted by the inviscid theory was  also found by Suford35 and he  attributed 
it to boundary  layer displacement effects.    Even so,  the present theory is superior to slender body theory 
which gives  zero  lift due to an afterbody. 

To summarize the previous  four figures,  one could say  in general that accuracies of ninety percent or 
better can be obtained for force coefficients of most configurations.    However, for extreme cases,  such 
as very large nose bluntness  or angle of attack,  the accuracy will be decreased and the among    of this 
decrease can be approximated from Figures  12 through  15. 

The theoretical  zero lift drag curve of the 5"/38 
RAP projectile36 along with three sets of experimental 
data      and an NWL empirically derived curve are shown 
in Figure 16.    Note that the experimental data varies 
by about thirty percent for H» <  1 and by ten per- 
cent for N^, > 1.    The theoretical curve tends to 
support the BRL data subsonically and the NOL and 
NWC data supersonically.    The numbers in parenthesis 
are the factors by which the drag curves must be 
multiplied throughout  the flight of the projectile 
to match actual range firings .    The NWL empirical 
curve is the curve which is actually used in range 
predictions due to the failure of experimental 
data to predict an adequate drag curve.    This em- 
pirical curve was derived from actual range firings. 
It should therefore be slightly high because of yaw 
induced effects.    The important point here is that 
for this particular shell, the theory agrees better 
with actual range firings than any of the sets of 
experimental data. 

Figure 17 gives  the static aerodynamic coefficients  for the 5"/54 RAP projectile36.    The V'/54 RAP 
has a nose length of about 2.5 calibers and a boattail of 0.5 and is 5.2 calibers in length.    As seen, 
excellent agreement with experimental data is obtained for the drag coefficient throughout the entire 
Mach number range.     Fair agreement is obtained for normal  force coefficient and hence pitching moment 
and center of pressure.    The comparison for the lifting properties  is Mach number dependent:    in the low 
supersonic region the theory  is consistently about ten percent low on normal force whereas at high 
supersonic speeds it compares very well with experiment.    The reason, as already mentioned, is the 
failure of the inviscid theory to predict afterbody lift  correctly at  low supersonic Mach numbers.     At 
subsonic and transonic Mach numbers,  the theory does about as well as could be expected considering there 
was a considerable amount of empirical work in that region. 

For boattailed configurations,  such as the 5"/54 RAP,   it was found necessary to account approximately 
for the thick boundary  layer on the boattail.    This was  done by viewing the unpublished shadow graphs 
obtained in conjunction with the work of reference 32.    Apparently,  a maximum boattail angle of six 
degrees  can be allowed before boundary layer separation takes place.     In addition,  the boundary   layer 
displacement thickness accounts for another about 1/4 -  1/2 degree decrease in the effective boattail 
angle.    These two results were used to determine effective boattail angles on all boattailed configura- 
tions.    Without this approximate accounting of the boundary layer effect on the boattail shape,  the 
lifting properties would have been in error by an additional ten percent for boattailed configurations. 

Figure 18 presents theoretical results for a more complicated projectile design.    The nose is  about 
sixty percent blunt with two different ogive sections.    The overall  length is 10.58 calibers with a 0.66 
caliber boattail,  7.24 caliber afterbody and 2.68 caliber nose.    The only experimental data available for 
this extreme case is at N^ = 1.6 (unpublished).    Excellent predictions are made by the theory at this 
Mach number, although it is not expected to be that good in subsonic and transonic flow. 

4.    CONCLUSIONS 

1. A general method has been developed consisting of several theoretical and empirical procedures to 
calculate drag, lift and pitching moment on bodies of revolution from Mach number zero to about three 
and for angles of attack to about twenty degrees. 

2. Comparison of this method with experiment for several configurations indicates that accuracies of 
ninety percent or better can be obtained for force coefficients of most configurations. This is at a 
cost of about $30.00 for ten Mach numbers in the range 0 < H» < 3. 

3. A second order axial perturbation solution can be combined with modified Newtonian theory to adequate- 
ly predict pressures on general shaped bodies of revolution. This is true for Mach numbers as low as 1.2 
even though Newtonian theory was derived for high Mach number flow. 

4. A first order inviscid cross flow solution is not sufficitnt to predict afterbody or boattail  lift 
at low supersonic Mach numbers.    However, when account is made for the boundary layer, markedly improved 
results for boattail  lift was obtained. 
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S.    There is still no adequate theory available in transonic flow which is computationally fast and 
accurate and can consider blunt nosed configurations with discontinuities along the ogive.    Thus more 
research needs to be directed along these lines. 
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ON SOME BASIC AND NEW ASPECTS ABOUT THE DRAG PROBLEM OF WINGS AND BODIES IN SUPERSONIC FLOWS 
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33 Braunschweig,    Flughafen 

Germany 

SUMMARY 

With the objective to determine optimum shapes of slender wings and bodies for minimum total drag in super- 
sonic flows a comprehensive theoretical and experimental analysis of the problem has been carried out in 
the Institute of Aerodynamics of the DFVLR, Braunschweig. The paper presents some of the results which have 
been obtained until now. The theoretical formulae for the various drag components which are necessary for 
a variational problem of drag minimization have been reviewed, summarized, partly modified or extended, 
and finally compared with experimental values. 

Based on the linearized mass flux concept already known in the literature a modified boundary condition 
leads to a certain improvement in the results of the linear theory. A simplified treatment of the modified 
linear theory is presented. 

A unified approach to the problem of minimization of wave drag due to volume and wave drag due to lift 
yields very simple analytical results. The optimum body shapes show a certain dependence on Mach number. 
For minimization of vortex drag the necessary wing twist yields a remarkable improvement, which could also 
be verified by experiment. 

While the known friction drag formulae from the literature have been checked with experimental values, the 
problem of base drag of axial symmetrical bodies has not been completely solved as yet; theoretical work 
on this topic is being continued. 

Finally for minimizing the total drag of wings and bodies under some prescribed conditions an optimum 
matching of the geometric and aerodynamic parameters has been outlined. 
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total drag coefficient of a wing 

total drag coefficient of a body 

fore drag coefficient of a body 

total wave drag 

wave drag coefficient due to volume 

wave drag coefficient due to lift 

drag coefficient due to lift 

induced drag coefficient due to 
vortex formation 

base drag coefficient of a body 

friction drag coefficient 

drag coefficient based on volume 

friction coefficient 

pressure coefficient 

aerodynamic drag of wing or body 

source strength 

doublet strength of a lifting wing 

wave drag parameter due to volume 

wave drag parameter due to lift 

induced, drag parameter 

total lift of a wing or body 

Mach number 

relative slenderness parameter 

static pressure 

dynamic head of onflow 

Reynolds number of onflow 

static temperature [ K] 

wall temperature   [ K] 

perturbation velocity components 

onflow velocity 

local velocity in the perturbation 
field 

induced flow deflection due to 
doublets or bound vortices 

Induced flow deflection due to 
free vortices 

B = VMa*  - 1 Mach number parameter 
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K adiabatic exponent 
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a' doublet strength 
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If perturbation potential ! 
* total potential in a flow field 
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1.   INTRODUCTION 

The general gas dynamic equation derived from the consei'vation equations of a flow field is quite nonlinear 
and as such offers exact solutions in few cases only. 

A linearization of this equation is often resorted to, in order to obtain explicit formulae for the aerody- 
namic forces on a moving body and of these the explicit drag formula can be used for optimization of body 
shapes.  Original contributions of various authors to the linearized theory are well known in text books and 
in the literature and a few of these have been cited in references  U]  to   [33]  of the present paper. 

The linearized theory confined to the domain of small perturbation flow fields possesses some inherent inaccu- 
racies due to the linearization itself, and also because of the simplification of the boundary condition by 
which the distribution of the singularities are fixed. In many cases the latter causes more error than the 
former.  A linear theory may be considered as a standard reference whose basic equations possess a unified 
order of accuracy with regard to the fulfilment of the conservation theorems. 

Besides the problem of pressure drag which can be treated by the potential theory, the problem of friction 
drag and base drag is equally important.  While theoretical treatment of friction drag can be found in the 
contributions  [3t]  to [37]  some survey papers on base drag, references   [38] to [W)] , reveal the limited 
advancement in this field.  Having explicit formulae for pressure and friction drag one can find out optimum 
shapes of nonlift'ing and lifting wings and bodies giving minimum total drag. 

This topic has been treated in detail in the Institute of Aerodynamics of the DFVLR, Braunschweig, being 
based on theoretical and experimental analysis.  The results obtained during the last five years have been 
reported in references  [tl]   to  [48].  The present paper summarizes a few basic and new aspects which could 
be concluded from these results and it will indicate a logical approach to determine body shapes for minimum 
total drag with the body shapes depending on the onflow Mach numbers. 

The fundamental physical considerations for aerodynamic optimization are outlined in   [49] , while some general 
mathematical methods on this subject are presented in [50]. 

2.  A MODIFIED TREATMENT OF THE LINEAR THEORY 

A supersonic flow field under small perturbations is described in the literatur« by the following set of 
equations: 

Perturbation potential field 

• v ryy = - 0   [ e^Ma,,,»»,*)] » 0 (2.1) 

Boundary condition 

^ •  grad F = 0 

or usually   ^ •  grad F = 0   [ e^Ma^,  6, a)] 

Pressure coefficient 

l 2*x - 6
2 «.jW t ».| ] . 

(2.2a) 

(2.2b) 

(2.3) 

The boundary condition, Eq (2.2a) being essentially a kinematic relation is formally correct but does not 
uniquely define the mass flux relation, which in the usual linear theory may deviate from its exact value. 
The boundary condition is usually further simplified as indicated in Eq (2.2b) inducing more error. 
However the criterion of mass flux can be introduced into the boundary condition satisfying at the same 
time the required kinematic relation. The linearized mass flux criterion first introduced by G.M. WARD [7] 
is uniformly valid in a small-perturbation flow field yielding for the continuity condition the same 
degree of accuracy as the linearized potential equation itself. 

2.1 The linearized mass flux criterion 

The mass flux pV in a compressible flow field can be obtained by expanding the density p as a Taylor 
series in powers of the pressure change dp. From [7] it follows for the perturbation mass flux 

P^ = IP.VJ {i + '»» - ^.•'«'/ai 1 + (2.4) 

with   Vy = i/x + j#y + k^ 

Using the linearized expression for the local sound velocity 

,2 « s a2 - (X-l) V2 ^ (2.5) 



Eq ^."O  The linearized nass flux ratio can be directly expressed as: 

2 J-4 
(2.6) 

The dimensionless mass flux 3 satisfies the following expression 

div8s-(»2^xx-J»yy-^8] = O^CMa.,*.*)]  • (2-7) 

So, Instead of Eq (2.2a) one can Introduce the following boundary condition for the body surface: 

o • grad F = 0 (2.8) 

With Eq (2.6) the physical condition of zero mass flow through the surface will be satisfied with the same 
order of accuracy as with the linearized Eq (2.1) Itself. This problem was analyzed further in detail in 
our group [l*2] leading to some modified formulae for the flow field. In the following a simple and concise 
treatment of the modified linear theory will be presented, the approach differing essentially from ["42], 
in which somewhat lengthy and involved mathematical methods were resorted to. 

2.2 Two-dimensional flow 

For a two-dimensional flow the set of equations describing the flow field are: 

ß2 /  - w  =0 (2.9) rxx  ^yy 

with if   as the normalzed perturbation potential, where the total potential of the flow field is given by 

# s V^ (x +iP) 

The boundary condition, Eq (2.8), yields 

3 •  grad Fso.-dy-o.'dxsO 0 i        ■'c        3 c 

The physical significance of this expression is depicted in Fig.  1.  Eq (2.11) with Eq (2.6) yields 

(1 - e2ipx)dyc -^y dxc = 0 

The solution of the potential equation, Eq (2.9),  for two-dimensional flow is well known: 

r   F    (x - By) for    y > 0 
pu.y)   = 

1   F„ (x t 

(2.10) 

(2.11) 

(2.12) 

(2.13) 
"2 (x ♦ By) for    y < 0 

Inserting the expression for    y > 0    in the boundary condition, Eq (2.12), one gets for the upper surface: 

(2.1U) i£ = B2 Fi(xc-Byc) ^ - 6 F;(xc-ßyc) 

The right hand side of this equation represents a total differential of the expression for   y     denoted by 

Fl(V6yc) = Fl('t*) = " F 'V + C (2-15) 

where for pointed bodies with   y (o) = 0    the constant   C   disappears. Eq (2.114) yields further 

y' 
F;(xc-Byc) = F;(x*)  = - td.lylj (xc) (2.16) 

with y' = dy /dx. From Eq (2.13) and Eq (2.16) it follows for the upper region (y > 0) of the perturbation 
flow field using the correlation between x and x  over x* and B 

y 
^(x.y) = F^x-By)  = FJ(x*) = -  irergyTj (**.ß) (2.17a) 

y' ■'c 
^y(x,y) =-B F^x-By) = - B F^x') = - j^^rj (* .«• 

The pressure coefficient in a two-dimensional flow field is given by 

c (x.y) = - 2H(x'y) = - 2# (x,y) 

and hence 2y: zyc       «      r 
cp(x,y) =   !   ßTiylFT    (x 'V      I 

upper signs for y > 0 

, lower signs for y < 0 

(2.17b) 

(2.16«) 

(2.18b) 

With    By'  « 1   Eq (2.18b)  is identical with the Ackeret solution [l]. A comparison of the results according 
to Eq (2.18b) and after the Ackeret solution has been carried out for a profile in  ["43]  as shown in Fig.  2. 

, 

; 



2.3 Axially symmetric flow 

For axially symmetric supersonic flow fields the equation of perturbation potential has the form 

B2«     - *      - - /   = 0 rxx     riT     r r (2.19) 

and the modified boundary condition introduced is: 

3 • grad F = 0 (2.20) 

The solution of Eq (2.19)  is already known, namely 

x-8r 

fU.r)'-'^   I 
f(x1)  dXj^ 

/(X-X^^BV 

with 
#(x,r) = V^ (x+f) 

as the total potential of the flow field. The boundary condition, Eq (2.20), yields 

(2.21) 

(2.22) 

o • grad f = 2itR o. dR - 2»R o dx = 0 (2.23a) 

as illustrated in Fig. 1. From Eq (2.6) this takes the form 

(1 - B"^) dR - ^ dx = 0 

or R (x) 
dR   fr 

{2.23b) 

(2.2"*) 

The expression for    if     and    /     derived from Eq (2.21) and inserted into Eq (2.24) gives 

2 x-BR(x)    f'(Xi)RR'(x)dXi      i    "^^(x)    f'(x)(x.Xi)dXi 

**'M-'-h     / 
l/(x-x1)

2-62R2(x) 
i-fc  / 

yf(x-x1)
2-ß2R2(x) 

(2.25) 

The right hand side represents a total differential of the expression for    R (x)    denoted by 

x-BR(x) 
_il - I- 
2 

R2(x) ^     j       f'UJ  /(x-x1)2-62R2(x)'  dx1 (2.26) 

This expression connects the body geometry with the source distribution    f(x).  For    BR(x) « 1, Eq (2.26) 
reduces to the usual relation of the slender body theory, namely 

S( x) = irR2(x)  =    f   f(x1) dx1 (2.27a) 

or f(x) = S (x) . (2.27b) 

For axially symmetric flow the Eq (2.3)  is to be used for static pressure distribution, which gives with 

* fx*      < 12 f   x# - I2 

B2   | /,      f (x1)dx1 | , f f (x1)(x-x1)dx1 I 
t 

x = x - Br 

f'Cx,)  dx, 2   Jx       f'Cx^dx, 

o   /(x-x1
2- B2r2 Ht* 

yXx-x^T-B 2r2 
„  2 2 Hu r .   o y'(x-x1)

2-ß2r2(x)| 

(2.28) 

If the linear source distribution    f(x)    is known, Eq (2.28) represents an explicit expression for the 
pressure distribution 

Some pressure distributions on cones and axially syrmetric parabolic body based on Eq(2.26}and Eq (2.28) 
have been calculated and compared in [42] as demonstrated in Figs.  3 and t showing improvments in the 
results. 

. 
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3. AERODYNAMIC DRAG OF WINGS AND BODIES IN SUPERSONIC FLOWS 

3 k Knowing the perturbation potential in the flow field one can calculate the pressure drag on the body either 
by applying raoraentum theorem on a control surface surrounding the body or by integrating the pressure compo- 
nents acting in the axial direction of the body. In case of two-dimensional profiles or nonlifting bodies 
where vortex drag is absent both methods yield the sane results giving explicit expressions for the wave drag. 
In case of lifting bodies the method of momentum integral on a control surface is to be chosen to separate 
the wave drag from the vortex drag. In the following the expressions for wave drag of nonlifting and lift- 
ing wings and bodies are summarized, the basic expressions being already known from the literature. 

\ 

3.1 Wave drag of wings and bodies 

Two-dimensional profiles 

Integrating the pressure components in the x-direction one obtains for the wave drag: 

I 
1 

o 
i i lcpu • ar - v ^r idx   • (3.1) 

Using Eq (2.18) for c -values one gets 

"DW $1 }  1 1-ßy; + IfBy^ / 
dx (3.2) 

This drag formula contains the factor (1-ßy') in the denominator and as such deviates a little from the 
conventional formula. If one retains only the second order terns the wave drag due to volume and due to 
lift can be separated in the usual way giving for   y', , = - o(x) t yj : 

U ,* —     Q 

t 

CDW = CD0 + CD1  = it   /  (   y;2(x>    +    «2(x>  )   d* (3-3) 

o 

Three-dimensional nonlifting bodies and wings 

The wave drag of axially symmetric nonlifting bodies can be obtained from the perturbation potential of the 
source field. The expression for the wave drag due to linear source distribution f(C) has been derived in 
[2],   [6]  and  [12] yielding for a body with finite base area 

D 1 1 1 2 

-T = - W/ f'u) ^V tnU'ci| dwci +ilr /f'ai) ln|l"5i| dci *^*- Ho(1) ^ 
^"0 0 o 

Where H (1) depends on the shape of the base area 

Ho(l) for pointed and cylindrical bases. 
(3.5) 

H (1) = tn 2 -  tn f5R(l)    for circular bases of boat-tail bodies o 

For elliptical bases the expression for    H (1)    is given in  [17]  and  [tl]. 

The above expression for wave drag can also be used as a first approximation for slender bodies and wings 
of general cross-sections provided that the evaluation of   H (1)    is carried out after the method given by 
M.J.  LIGHTHILL  [12]. 

For slender wings one gets 

H0(l) k - tn (B|-) (3.6) 

The k-values depending on the distribution of surface slopes at the .railing edge are given in [12] and [ui]. 

Lifting wings of zero thickness 

The perturbation potential due to a wing with lift can be calculated using source, vortex or doublet distri- 
butions. The three singularity distributions are Interrelated through their dependence on the perturbation 
potential: 

8»(x) 
Source strength   q(x) -  2 

Doublet strength  h(x) = M.^ 

Vortex strength  «(x) = 2 

2 

3h(x) 
3x 

(3.7) 
/ 

Ü 
■ 
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A linear theory for moderately slender wings with lift has been developed by ADAMS and SEARS  [16] using *.    ri 
doublet distributions on the wing plane. The expression for the wave drag due to lift comes out as in (11]:     3    / 

1 1 

Hr r^-f- ^ // a,,(0o"(v tni^iidW£i+ ^ / «'"(51)'nu-c1i<ic1 + \sL^t. „i(1)]. 
i-8  "i 

where 

i i 

denotes the lift-loading on a crosswise strip of local span width    2s(C)    and 

N b 2 

H^l) =    2 in 2 +£'   (n+l)[-22li] + i- Inf 

(3.8) 

(3.9) 

(3.10) 

The    b s    originate from the type of lift distribution along the span of the wing expressed by 

Y(n) = ifi  2    ir^ 8in (2n+l)^ (3.11) 

with n = y/s s cosi? and a- as a reference incidence angle of the wing center line at the trailing edge. 

Finally the connection between a'(0    and the doublet strength h(0    is given by the relations in Eq (3.7) 
yielding: 

ACpU.n) = tf •  ||(C,n) (3.12) 

where   h = h/V^s   denotes the dimensionless doublet strength and the local n'values on a crosswise strip Is 
given by    n = y/sU).  It follows from Eq (3.9) and Eq (3.12): 

+1 

o'(5) s "♦  /  H (e.n) dn (3.13) 

-1 

The wave drag formula, Eq (3.6), due to lift of wings is completely analogous to the wave drag formula, 
Cq (3.1), due to volume if one puts 

f(£) s o'(C) 

H (1) a H.d) o 1 

3.2 Vortex drag of wings and bodies 

The vortex drag of wings with lift can either be calculated from the strength of the bound vortices and 
the induced downwash from the free vortices or fron the momentum or energy contents In the induced field 
at the Trefftz-plane. For lifting wings this yields: 

+1 +1   Y(n) |*- 

v2"   ' y y 
-1 -1 

n-n. 
dnj dn     , (3.11) 

where the circulation about a local chord is denoted by 

c.(n)t(n) 
Y(n) Is (3.15) 

With y(n)    given by the expression in Eq (3.11) one gets for the vortex drag: 

D 

8 n=l 1 

(3.16) 

Since 
CLK 

0(1) = ^   bl «T =   1717 
Eq (3.16) takes the form as derived in [11 ] 

(3.17) 

V 

b„      ■    2 
(3.18) 
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3.3 friction drag of slender bodies and wlr.gs 

For a given flight condition normally the Mach number and the Reynolds number of the onflow are prescribed. 
If the Reynolds number of the flow is high and the laminar region at the nose is quite small, one can 
approximately assume that the boundary layer is turbulent on the whole length of the body or wing. 

Based on the method of L. PRANDTL and H.  SCHLICHTING   [SU]   various approaches have been developed,   [35] 
till  [37], to calculate compressible turbulent boundary layers. 

The skin friction of a flat plate in fully compressible turbulent boundary layer has been derived in [35] 
and  [36]  giving 

-2.58 
O.U55 L Re- 1 Cf-Wlogi7—^1 (3.19) 

where for an adiabatic surface 

= 1+    3/^    ^ Ma"2 (3.20) 

■'   \ 

With    yPr'= 0.89    one gets 

^ = 1 + 0.178 Ma^ (3.21) 

Friction drag of wings 

The friction drag of a flat plate of delta-like shape can be based on the average Reynolds number Re^ = v,,t_/v 
with    1   = 1./2. For turbulent boundary layers Eq (3.19) yields: 

CWR 2c 
0.91 

f      (1+0.178 Ma2) 

Re_ 
log 

2.8 

-2.58 

(3.22) 

(1+0.178 Ma_) 

Friction drag of bodies 

The turbulent friction drag of a slender body with general crass-section shape is given by the approximate 
formula 

*  ~ -  r - — 

^2 
"DP So = -T2rcf Sf 

(3.23) 

with c, = cf(l + ä__x/2) to account for the velocity increase on the surface due to thickness effect, 
and where c. is calculated from Eq (3.19) based on the Reynolds number Rev = V^t/v. The dimensionless 
friction surface is being denoted by S. = S,/l2. 

For general body shapes with elliptical or circular cross-sections one gets 

= / cf Ü(t) dC 

V o 
where the periphery of the cross-section S(C) can be expressed as U(f.) = u(0/l, with 

uu) = l^suTli.s^* — ) - i] = /^ÜT. 9S 

(3.2i») 

(3.25) 

where 8. denotes the bracketed term,and X   = h /b (< 1) is the ratio of the axes of the elliptical 
cross-section. With c. as an average value of the friction coeffic'ent over the body length, one gets 

1  -   k 

The dimensionless volume V  being prescribed. 

3.4 Bsse dra£ of bodlss 

The base drag of three-dimensional bodies has to be evaluated fro« experimental data since a complete 
theoretical treatment of the base flow behind bodies is still lacking. Systematic base pressure measurements 
have been performed by a nuaber of investigations yielding correlation curves of the base drag depending on 



Mach number and Reynolds number.  In  [3a] to [HO] many of these results are reviewed, and a large number 
of references are cited. Theoretical work in this field is still being continued by various research A    (Ji 
groups. ^ '/ 

The results of the foregoing analysis on pressure drag and friction drag have been compared with experi- 
mental values for a large number of slender wings and bodies giving acceptable agreement. A few of the 
results are shown in Figs. 5 to 8. The condition of small perturbation is the most important criterion that 
must be satisfied to assure the validity of the pressure drag formulae. Having now the explicit formulae 
for the drag components these can be utilized to minimize the drag components and also the total drag 
under prescribed conditions. 

i». WIHG AND BODY SHAPES FOR MIHIMUH PRESSURE DRAG 

In order to determine body shapes for minimum wave drag certain prescribed auxiliary conditions must be 
satisfied. 

For nonllfting bodies and wings these include some of the parameters like volume, length, maximum cross- 
section, base area etc. at a given flight condition. For lifting wings the auxiliary conditions consist 
in prescribing the total lift and the center of pressure at a given flight condition. 

The minimization of the wave drag can be carried out by applying variational methods as was done in [19], 
[20] and [21]. In both cases under consideration one has to deal with isoperimetric problems. A complete 
general treatment of such problems has been given in [Ul] . An outline of the treatment is given in the 
following: 

U.l Minimization of wave drag due to volume of wings and bodies 

Based on the expression for wave drag given in Eq O.U) one has the following set of variational problem: 

D. 

1-* 
Fo[f'(f), f'Uj).   f  (1).   C.    tj   * 

Auxiliary conditions (prescribed) 

For    BR(t) « 1 

Base area: /   fU) d« S(l) 

Volume: \   C •  fU) df = S{1) - 

("».D 

(4.2) 

("4.3) 

This  isoperimetric problem can be described by a single expression as follows 

„1 1 
J0 I «01 = { —^ * \   y t •  f(C) dC + *2   \   fU) dt }      -       min. 

^" o o 
("4.'») 

where   Do    is to be expressed by Eq (3.4), and    X.    and    X-    denote the usual Lagrange multiplier. 

The application of variational methods to this problem yields, as shown in [ui], the following Euler equation 

\ f f'ux) tnic-g i^ - £p in|i-c| t x1 ^♦ x2e ♦ c0 = 0 (•♦.5) 

If th« and conditions   f(0) and    f(l)    are fixed through the prescribed conditions the Euler equation yields 
the solution of th« extremal problem. 

Expressing the source diestribution in a series form 

N 

«*> = V^ E   an8inn^      , (4.6) 

where    C = (l-eos4)/2, th« Euler equation (4.5) will be satisfied, provided    N   does not exceed the value 
M = 2. The coefficients   an   will be obtained fro« the auxiliary conditions. 

Knowing th« source distribution the equivalent body shape can be obtained fro* Eq (2.26) giving 

S(t» = i  y f (i^) |Acosl5-co8*)2-i»$2R2(*)'  dljh (lt 7) 

o 

■ 

w 
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with 
5«=    C.6R(C)   .,k^±' (1.8) 

From Eq (t.e)  it follows 

f'(i^) = ao t aj^ cost^ + 2a2 cos27^ 

The general expression for optimum body shape having minimum wave drag due to volume is 

rf-« 
S(^) = -^ J|/(cosi^-cosi»2-i»ß2R2(t?')'   it^+JLj  coa^J ^(cos^-eosi})2-^2^^'   d»^ 

&* 
* Y-    [ 2cos2^ yicos^-cos^^Hß2^^'   d«^ 

("♦.9) 

(•♦.10) 

As a special case of very slender bodies with ßR(i^) « 1, Eq (»».lO) yields 

S(^) = !° (sim^os*) + !i (^ Sp* ) + li (siinj.. S^) (■♦.11) 

One can easily recognize that the second term in this expression is identical with the von Kärmän-oglve 
and the third term with the Sears-Haack body. The first term appears in order to match arbitrarily given 
base areas to a given volume.  Eq ('♦.11) yields: 

v    =, (!j> + !i + !2) 
o V .16 8        16 ' 

(•♦,12) 

Prescribing the base area through the relation _S(1)  = 2K  V      where    V     is a given dimensionless volume 
and introducing a further auxiliary condition, S"(l)  = 0, to provide uniqueness of the problem assuring at 
the same time finite surface curvature at the trailing edge it follows for the unknown coefficients    a 
of a boat-tail body 

WK-f) 
alr w 

o /6H (r - -') 
("♦.13) 

- Ti?-**') 
Von Kärmim-ogive: 

S(l) = 2V, 
8V. 

0  i a2=0 ("♦.l"*) 

Sears-Haack body: 

S(l) = 0 ao = 0  ; V0 
16V

c 
a2 z~ 

(•♦.IS) 

For flat wings with   H = 0 it follows 

1(1) =0      ;       a    = 
«  o 

Mv 
w  o 

(u.ie) 

Some optimum shapes of nonlifting bodies according to Eq (U.IO) to Eq (t.ie) are presented in Figs. 9 and 10 
showing slight dependences of the body shapes on the onflow Mach number. The use of source expressions in 
the auxiliary conditions Eq (>t.2) and Eq (4.3) gives rise to small errors which can be compensated by 
correcting for the daviation in volume or base area. In contrast to the Sears-Haack bodies these bodies 
possess sharp noses. 

•».2 Minlalzation of wave drag due to lift of wings 

The expression for wave drag due to lift given in Eq (3.8) together with the auxiliary conditions leads to 
the following variational problem. 

■ 

—^2 = rJo'U). o'Ui). o'U),*. Ci]  ♦   »in. (■».17) 

/ 

' 
■• 



' 

•\ 

Auxiliary conditions (prescribed) 

Total lift 
c,Su 

o U)  dt = j = —5- 
J-// 

CLSW 
center of pressure:  / C • a'(C) dC = CD 

o 

Thus the variational problem takes the form 

D        1 1 

Ji I0'^)] I(—^ * h  /* ' 0,(5)de + x2 Z0'^) d0 

("♦.18) 

(»♦.ig) 

(U.20) 

where D.  is to be taken from Eq (3.8) and A. and A2 denote Lagrange multipliers. The formulation of 
this variational problem due to lift is surprisingly analogous to that of the thickness problem. 

The Euler Equation of the variational problem takes therefore the same form as in Eq (4.5) of the thickness 
problem, yielding 

1 , 2 

i J a'UJ in Ic-cJ dCj - S^l t„ |i-£| t ^ |- t X2t t ^ = 0   . (4.21) 
o 

If the end condition ff (0) and   ff'(l)    are fixed, the Euler equation (4.21) alone will yield the optimum 
loading 0* ( Q    on crosswise strips of the wing. 

Setting 

ff'U) = ä iN  V     ä_ sin n^ 
n=l 

(4.22) 

Eq (4.21) will be satisfied if   N    is limited to    N = 2. The a -values are obtained from the prescribed 
auxiliary conditions.  It follows: 

/■o   h\   C
L* 

A- + -;si7t7 

\16        8        16 / '  6D sTtT 

(4.23) 
c, X 

and hence 

•♦CL* 

2 = 71717 {'♦-ecD*»,(i)) 

(4.24) 

As optimuB lift distribution along (-direction on« gets: 

fop     o'(l) = 0      (Gothic, Ogee) 

c. K 
0'(O =7 

4 "L 
« s/t, ( •ini?* 2(1-2L) «in2^] 

for     o'(l) s 1     (Delta) 

C   K 
a'(C) S|^7J-   (i'(l)^* 2 (l-?'(l)} «In** (4-8^ ♦ s'd)} «InZ^] 

(4.25) 

(4.26) 

These optimum distribution are Illustrated for &, = 0.6 in Fig. 11 for two wing planforms. 
Integrating o'(C)    over   C   yields the optimum geometric parameter   o(£)    where according to slender wing 
theox^y [41]  the following dependence exists: 

o(0 = Jibj-S^U) ä^O 

ä(£) s ijU) ♦ ^(C) 

(4.27) 

(4.28) 

where   a^O *&& *tS0   denote flow deflections at the c«)t«r line of the wing caused by the free vortex 
system and the bound vortex system respectively. Now knowing the wing planform   8(C)    It is easy to deter- 
mine the required wing camber   ä(C)    for optimum lift distribution. The distribution of   o(C)    1* 

; 

. 
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illustrated in Flg. 12 for two values of the parameter   a'(l) or i'(l). The distribution of   a(t.n)      in 
the spanwlse direction will be determined fron the wing twist necessary to suppress the vortex drag. 

t.S Minisization of vortex drag due to the lift of wings 

For lifting wings with finite span the foraation of vortex sheets in the downstream flow is unavoidable 
and it is wellkncwn that an elliptic distribution of lift loading over the span makes the induced drag a 
minimum. For slender flat wings it is difficult to obtain this optimin distribution without wing twist as 
concentrated vortices are likely to form at the leading edges contributing to increased vortex drag. So 
for minimizing the vortex drag of slender wings the formulation of the variational problem looks as follows: 

For the vortex drag as in Eq (3.18) to be a minimum it is required that 

N b 2 
Ki = [l + I]  (2n+1) (-r1^) 1 *  "in- (,»-29) 

n=l 1 

To prevent concentrated vortex shedding at the leading edges the local velocity there must be tangential 
to the surface, requiring: 

Ac    (n = + 1) (4.30) 

with AcpU.n) = iflj (SU) i^C) 2   b2n+1 sin (2n+l) ») 
nso 

(«».31) 

For slender wings this  is equivalent to setting Kl] 

N 

E =      1+2   (2n+1) 
J2n+1 = 0 

n=l 

(>t.32) 

These two requirements must be simultaneously fulfilled at a prescribed flight condition and leads to the 
following variational problem as has been shown in  [33] 

■i-        (K. ♦ XE) = 0 
8b2n+l     i 

with    X    as Lagrange multiplier.  The solution of Eq (4.33) comes out as 

b. 02n+l 
TN+i)(H-l) with      N  »   3 

(4.33) 

(4.34) 

The Eq (4.34) fixes the wing twist for a given incidence angle    a.    at the trailing edge preventing the 
formation of concentrated vortices at the leading edges. The pressure and lift distribution over the span 
of a delta wing for different H-values are shown in Fig.  13.    For N -» oo  the pressure distribution approaches 
that of a flat plate. For   H » 7   the lift distribution on the span is almost elliptic and the pressure peaks 
are not high, so that the adverse pressure gradients for the wing boundary layer in this region are kept 
within limits. 

S. AERODYNAMIC DRAG OF WINGS AND BODIES WITH OPTIMUM SHAPES 

The aerodynamic shapes or load distributions for minimum drag being fixed it is now easy to determine the 
drag values of wings and bodies from Eq (3.4) and Eq (3.8). 

5.1 Minimum wave drag due to volume of wings and ''jdies 

The w«.ve drag of wings and bodies due to volume is given by 

D 

' «o    tn 2 + ?   *? + I «2 ♦" S V •o «2 * 

From this it follows for the wave drag coefficients in supersonic flow regime 
von Kiupwan ogive 

Kv"! 

Do   o      «      o 

(4.35) 

(4.36) 

Sears-Haack body 

„•   s    - "« v2 
(4.37) 



Boat-tall bodies with circular base 

cDo S = V^ ((8.17H*2-21,28X*+16,67) " 7 »n (| e2^«*) {10,19T<*2-16,30X*t6,52J] 2 ~~ \i '    o 
*. 

Flat bodies (wings) 

128 .-.2 
o o »DoSw^^ or 128 

c- =  R T Do   v . o n 
2   s<? 

with K0 s 1 - 0.16 (2 In 2 + 3 - k t In |5- )  and   x^ s V^^tj . 
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(H.38) 

(«».39) 

(U.HO) 

Comparison of the theoretical and experimental drag values of some optimum shaped bodies and wings at zero 
lift are shown in tig. 1» and Fig. 15. 

t 

5.2 Miniavai wave drag due to lift of wings 

The wave drag of wings due to lift is given by the expression 

,2    8 1 

-2  -2 

•o tn 2 + IT + / + *o *! " »o »2 + FH1(1>) 

which according to [Hi]  can be written as 

o     - !_ a2 -2 « . * .  8 

'vi-li*   %*    Kl Tl 

where K. is determined from the Eq (H.m) after inserting the a -values. 

(»♦.«♦1) 

(H.H2) 

5.3 Minüw vortex drag of wings 

The vortex drag of twisted wings preventing the shedding of concentrated rolled up vortices is obtained 
from the Eq (3.18) where the b -values are taken fron Eq (H.3<0.  It follows: 

" c2ic 
cDi -bhifci <4-,»3) 

with   ^    as given in Eq (4.29). 

For N -»ee Eq (4.29) together with Eq (•».3H) yields    K    = 1, and hence the vortex drag coefficient for a 
plane delta wing reduces to: 

2« 2 
_!tl     !t 

"T)! " 4ws/t " tA (H.l*l») 

which is identical with the induced drag due to elliptic load distribution over the wing span.  The twist 
increases the vortex drag a little above the theoretical ninimum value for an elliptic distribution but 
keeps it quite below that of a flat delta wing with rolled up vortices at the leading edges. This fact is 
deaonstrated by comparing the induced drag values of twisted and flac wings as shown in Fig. 16. 

6. OPTIMUM COMBINATION OF AERODYNAMIC AND GEOMETRIC PARAMETERS OF WINGS AND BODIES FOR MINIMUM TOTAL DRAG. 

It is outside the scope of this paper to treat this problem in detail, however, an outline of the method 
will be indicated for the treatment of nonlifting and lifting wings and bodies in order to obtain minimum 
total drag or highest lift/drag ratios for lifting wings. 

6.1 Optimum slenderness ratio of bodies and wings with given volume in supersonic flows 

The total drag of a slender body or of a wing without lift can be expressed by summing up all the drag 
components. This yields 

General body; D s Do ♦ "r f "a 
Expressed in terms of drag coefficients,.one gets: 

^o'^r^fMs^oV^c^SU) 

(•»••»5) 

(•».«»6) 

.1/2 /f -        - 1 
ls(C)/Vo|        dC      known from the distribution of the cross-section area   S( O/v, 



"iat body    (wing) D = D    + D- o        F 

c„  S„  = — K      -r   ♦ 2 C. K st, D    W n      o     ,•♦ f i 
i 

(14.U8) 

for a given volume    V      and friction coefficient    c.    the total drag depends on the length    t    of the 
body or wing. 

Problem statement for nonlifting slender bodies: 

Prescribed 

Mach number   Ma^ •♦ B 

Reynolds number    Re^ * cf 

Volume    V o 
Base area   S(l) 

Volume distribution    S(C) 

Cross section shape ■♦ B. 

To be determined 

optimum length    tont 

optimum slenderness ratio    t/d c 
minimum drag    D . min 

6.2 Optimum lift coefficient and optimum slenderness ratio of wings with given total lift in supersonic flows 

The total drag of a lifting wing can be written as: 

D s D    ♦ D. ♦ D.  ♦ D.        . ('♦.'♦g) Ollf 

Expressed again in terms of drag coefficients this yields: 

(cISu) 
CDSW 

^oa       - =       (ciSu)       1 . 1 (ctSu) Bcn_ 

™*o*<-*t--är*i'VB1:• KV-"I**KiÄ -yr• ^+ ßsf (CLSW)   (*-50) 
1 L 1 p   'T~ IJ 

with    6s/1,    and 6c.    as the two variable parameters, whose optimum are sought. 

Problem statement for lifting wings with thickness: 

Prescribed 

Ha,, * 6 Mach number 

Reynolds number   Re^ ■♦ c 

Lift    L   or (oLSH) 

Lift distribution    o'(0 

Planfon«   8(C) ♦ * 

Mean thickness    T n 
Volume distribution   5(5)    .-< 

opt 
Wing twist parameter   N ■»• K. 

opt 

To be determined 

optimum lift coeffi:ient    (6c.) 
L opt 

optimum slenderness ratio (6s/l.) 
1 opt 

optimum wing area 

optimum camber 0(5)^ 

optimum twist 

(SH)oPt 

opt 

»^'^opt 
maximum lift/drag ratio    (L/D) 

The optimum values of the parameters looked for "an be easily obtained by differentiating the drag expressions 
in Eq ('♦.'♦6) and ('♦.'♦8) with respect to the parameter    t    for nonlifting bodies, and the drag expression in 
Eq ('♦.50) with respect to    c.    and   s/t.    for lifting wings and equating the results to zero. 

Some results of such optimizations are demonstrated in Figs.  17 and 18 showing quite acceptable results.  The 
optimum slenderness ratios of nonlifting boat-tail bodies for minimum fore drag at various Mach numbers and 
different friction coefficients are displayed in Fig.  17. For lifting wings Fig. 18 shows the optimum com- 
binations of lift coefficient and slenderness ratios at given mean thicknesses    T     and given friction coeffi- 
cients   c,.  Experimental verification of these results is illustraced in Figs.  19 and 20. 

7.  CONCLUSION 

The theoretical and experimental analysis on the drag problem at supersonic speeds described in this paper 
shows to what extent the linear theory for small perturbation flow field can be applied to estimate the 
wave drag due tc volume of slender wings and bodies at zero lift as well as the Induced drag   and wave drag 
of lifting wings. The linear theory yields acceptable results in the domain of its validity. The approximate 
expressions for the friction drag can also be well utilized. Applying the theoretical expressions for the 
drag components, optimum aerodynamic shapes of wings and bodies for minimum total drag have been calculated. 

Comparison of the theoretical and experimental results, not all of which could be presented here, reveal 
that advancements c    two basic problems are still lacking - namely a linear theory of the lift problem and 
the base drag problem of general slender bodies, as well as a non-linear theory of lifting wings and bodies 
comprising the effect 01  accentuated vortex shedding at higher incidences and the effect of compressibility 
at higher Mach numbers -  the two effects being basically different. 
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Tig. It      Modified boundary conditions for @   a two-dimensional profile and for 
@  an axially symmetric body according to the linearized mass flux concept. 

* 

Fig. 2:      Pressure distribution at Mach nomber Ma^ = 2 on the surface of parabolic profiles 
of different thickness from linear and non-linear theories of supersonic flow. 
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Fig. 3:  Pressure soefficient on the surface of a circular cone obtained from linear and 
non-linear theories of supersonic flow. 
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Fig. U:      Pressure distribution at Mach number    Ma^ = 3 on the surface of an axially symmetric 
body with parabolic contour according to various theories of supersonic flow. 
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Fig. 5:  The drag components of a uct-tail axially synmetric body with a given volume, 
length and base area in dependence of Mach number, (d /t -  0.086) 
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rig.  6:      The drag components of a nonlifting plane delta wing from theory and experiment 
in dependence of Mach number (s/t. = 1/3; T    = 0.02; Re_ = 1 •  107). i m • 
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Fig. 7;  Drag due to lift .of plane delta wings in dependence of the relative slendemess 
ratio m = ßs/l. = yfta^ - 1 • s/l. (experiment: t -  0.02; s/t. = 1/5 to 1/3) 
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fin. 8:  Drag due to lift of warped wings showing the reduction of vortex drag by 
suppressing the shedding of rolled up vortices at the leading edges, 
(experiment: f = 0.02; s/tj s l/i») 
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Fig.  9:      Deviations in the contour geometry of the Sears-Haack body and of the Kärmän ogive 
of given volume and length determined for minimum wave drag at higher Mach numbers. 
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rig. 10:  Optimum volume distribution of a boat-tail body of given volume, length and base 

area and of a slender wing with unswept trailing edge and given volume and length 
for minimum wave drag in supersonic flow. 
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Tig.   11:    Optimum lift-load distribution for minimum wave drag of thin slender wings 
for prescribed total lift and center of pressure in supersonic flow. 

0,1     0,2     0,3     0,k     0,5     0,6     0,7     0,8      £     1,0 

rig.   12:    Optimum distribution of the geometric parameter, o(0 ~ s2(£) ■ 5(C)    of 
slender wings for prescribed total lift and center of pressure. 
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Fig.   13:    Spanwise pressure and lift-distribution of wings having different modes of 
twisting (N-values) to suppress  vortex drag. 
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rig.   It:     Minimum wave drag due to volume of slender wings  with unswept trailing edge 

in dependence of the relative slendemess ratio. 
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Fig.   15:     Minimum wave drag due to volume of axially symmetric bodies with optimum shapes 
for given volume, length and base area in supersonic flow. 
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Fig.  16:    Comparison of vortex drag coefficients of plane and twisted wings, showing the drag 
reduction due to suppression of rolled up vortices (Delta  •   ; Ogee A   ; Gothic ■   ). 
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Flg.  17;    The optimum slendemess ratio of bodies with given volume, cross-section shape 
and base area  In dependence of skin friction coefficient at given Mach numbers. 
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Tig.  18:    Optimum matching of lift coefficients and slendemess ratios of wings  in dependence 

of prescribed mean thickness    T      and skin friction coefficient    c,    for given 
total lift at supersonic Mach numbers. 
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rig.  19:    Calculated and experimental values of drag coefficients for axially symnetric bodies 
of given volume and dimensionless base area  ( X*= 0.6)  in dependence of the slenderness 
ratio at different supersonic Nach numbers. 
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Fig.  20;    Comparison of maximum lift/drag ratios of plane wings with those of cambered and twisted 
wings optimized for the relative slenderness  ratio      ßs/t.  = 0.U (Ma   =1.88) 
(T. = 0.02; ITe    = 1  •  10'). ,       1 
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4-1 
SUMMARY 

Neasurenents are described of the drag of various forms of excrescence mounted on balances installed 
in the walls of the working section of the RAE 8ft x 8ft Wind Tunnel.    The teats cover a range of Mach 
numbers between 0.2 and 2.6 (but not transonic) and a range of Reynolds number. 

The excrescences tested include two-dimensional steps and ridges, circular cylinders and vdngs mounted 
normal to the surface, and holes and fairings.    It is shown, for excrescences which are of height snail 
compared with the boundary-layer thickness, that the scale effects on drag are well correlated in terms of 
the wall variables of the  turbulent boundary layer, but that there is a dependence of drag on Mach number. 
For steps and ridges the  effect of chamfering or rounding the uppe." comers was found tc be beneficial at 
subsonic speeds but far less so at supersonic speeds.    For circular holes the drag depends strongly upon 
the depth to diameter ratio. 

The fairings tested were either half-bodies of revolution with pointed or rounded ends or of square or 
rectangular section with pointed ends.    The effects of different amounts of immersion of the bodies into 
the boundaiy layer was found in some cases by testing geometrically similar bodies of different sizes. 

NOTATICK 

UD6 

A j       constants in expression for drag of 
B |       circular holes.    Eqn (k) 

C~|       constants in expression for drag of 
DJ       steps and ridges.    Eqn (1) 

c       chord of stub wing 

C_       drag coefficient based on either frontal or 
plan area and freestream kinetic pressure 

C-.       drag coefficient of circular cylinder or 
"      stub wing of infinite length 

drag coefficient of circular cylinder or 
stub wing of length s = ooq 

c_       local sMn friction coefficient in the 
absence of excrescence 

d       diameter of circular hole or circular 
cylinder 

P       drag defect function.    Eqn (5) 

h       height of step, height of body or depth of 
hole 

h+     -V 

streanwise length of rectangular hole or 
length of chamfer of step 

M       Mach number 

r       radius of step or ridge 

Re     Reynolds number based on freestream conditions 
and chord c of stub wing 

Re,    Reynolds number baaed on freestream oonditLona 
and diameter d of circular cylinder 

s        span of stub wing or circular cylinder 

w       width of rectangular hole 

6       loosely, boundary-layer thickness or specifically, 
thickness to 99?'° freestream velocity (699) 

v        kinematic viscosity based on nail conditions, 

p        density at wall conditions 

x        surface shearing stress 

effective shearing stress on a hole 

friction velocity based on wall conditions = fl]* 

1 INTRODUCTK» 

The arrival on the aviation scene of supersonic transport aircraft with a high sensitivity in per- 
formance to drag at long-range cruise conditions, and with an enormous development cost, nroduced a demand 
for estimates of drag of higher accuracy than hitherto.    For one of the ingredients of the drug, that of 
excrescences, very little information was available.    Thus, although it was anticipated that any successful 
aircraft should be 'clean', it was difficult to assess what allowable tolerance should be placed, far 
example, on steps at akin Join*«,  or to assess what were the drag penalties of essential excrescences auch 
as aerials and pi tot tubes.    At about the same time it was becoming clear1 that the drag of cost current 
aircraft could have been lower if mere attention had been paid to the avoidance of unnecessary excrescences. 
Even though there existed a considerable body of experimental  evidence on the drag of most forms of  excres- 
cence at low speeds, mainly from the investigations of Wieghardt2 and his co-workers and collated by 
Hcerner', there was some doubt as to the application of the results over a wide Reynolds number range. 
There was thus a clear requirement for an experimental programme to measure the drag of typical forma of 
excrescences on a surface over which flowed a turbulent boundary layer for wide raises of both Reynolds 
number and Mach number.    Such a programme required a wind tunnel with variable density (an advantage not 
enjoyed by most of the previous workers in the field) and capable of operation at subsonic and supersonic 
speeds.    Accordingly tests were made in the RAE 8ft x 8ft Wind Tunnel at Mach numbers between 0.2 and 2.8 
with a Reynolds number range of about 10 : 1 at each Mach number.    The range of Reynolds number was limited 
in some cases by the load ranges of the balances used and, far some configurations, the maximum Mach number 
ras restricted to 2 because of unaerviceability of the high-pressure section of the tunnel conpresaor.    A 
shortcoming cf the tests is that transonic conditions were not covered.    To obtain high Reynolds number tne 
walls of the tunnels were used,  taking advantage of the knowledge'4' already gained of the bounlary layers 
there, and of the design of the strain-gauge balance used for measuring skin friction. 

The excrescences tested included two-dimensional steps, ridges und f;roovcs renresentir,; defocta in 
skin joints, cylinders and stub wings representing aerials and pi tot tubes, circular and rectar.pular holes, 
and half-bodies representing fairings over obstructions. 
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2        TE3T EKVIRONffiNT 

ll-'gls The drag of the  various types of excrescence was measured ty supporting them on balances which were 
' mounted at four positions respectively in the sidewalls, roof and floor of the working section of the RAE 

8ft x 8ft '.Vind Tunnel.    Since some 50 configurations of excrescence were contemplated,   the small inter- 
ferences, which may have existed between four excrescences tested simultaneously were accepted in the 
interests of economic operation of the tunnel. 

The turbulent boundary layer on the  port side-wall of the  tunnel has been investigated in great detail 
and its characteristics are known to be those for a flow with zero pressure gradient.    Less complete 
(and less accurate)  investigations have been made of the boundary layers on the other wall and roof und  floor. 
Velocity profiles are not available for all four positions but ai-dn friction measurements - ivliloh were 
made of necessity to define   the datum drag measured by the balances - confirm that the flow in the tunnel 
is symmetrical.    Characteristics of the boundary layers relevant to  the analysis made of excrescence drag 
are shown in Figs 1, 2 and 3. 

I0 2    Re/     4        6    8   IO 

Fig. 1       Boundary-La„er Thickness 
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Fig.   3      Friction Heynolds Number 

Fig,  2      Skin-friction coefficient 

3      SXPKRIMENTAL TECHNIQUES 

The excrescences were mounted on strain-gauge 
balances of design similar to tmt previously used 
for skin friction measuranent^.    Two of the balances, 
used for the smaller excrescences,  were capable of 
measuring drag loads up to 1.8 kg and two for larger 
excrescences,  had ranges up to 18 kg.    All the balances 
had front plates of diameter 368 ram (14.5 in). 

The nrimaty load calibrations cf the balances were 
made in situ before and after each test by means  of 
weights suspended on a fine  cord attached to the centre 
of the  friction plate and pa.-.sinf; over a large diameter 
balanced pullqr.    The balance readings for zero load 
(for the balances mounted in the roof and floor) were 
adjusted to account for gravitational forces arising 
from the change of slope of the surfaces with change of 
setting of the nozzle shape with Mach number.   A fur- 
ther correction has also been made to the readings to 
eliminate forces due to the pressure variations round 
the edge of the friction plate around which twelve 
pressure ta-pings were provided, and corrections were 
made for stresses induced by temperature gradients. 

The three-dirnbnsional excrescences were mounted dir- 
ectly on (or in, for the case of holes) the front plate 
of the balance.    For the two-dimaisional forms, the 
excrescence was continued on the sidewall to avoid end 

Fig. 4.     Fairings for use with  steps iv.. 
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effects.    This was straiglxtforwani for ridges but for steps neoeaaitated a fairly large fairing   attached 
to Hie tunnel wall either upstream or downstream of the balance centre-line across which the step was n, -j^ 
fomed.    It was checked, by making measurements with both upstream and downstream fairings In position, 
as shown in Fig. 4, and with a packing piece on tiie balance plate to maintain a continuous flush surface, 
that the local skin friction was not affected by the presence of the fairing. 

The drag of an excrescence is given as the difference between the force on tiie balance vdth an excres- 
cence present and the force on the clean balance in the same flw conditions.    Thus the results presented 
include the effect of changes in skin friction on the balance but not on the tunnel sddewall. 

In a summary paper such as the present one space does noc permit a detailed assessmert of the potential 
accuracy of -üie measurements of drag of many different excrescences at many different conditions.    However, 
as a rough assessment of accuracy a figure of about % of the local akin friction on the balance plate 
nay be taken for the small balance at average Reynolds numbers, and ten times this for the large balance. 

4       RiSULTS 

4.1      Steps, ridges and grooves. 

The heights of these forma of excrescence were small compared vdth the boundary-layer tiiioknesa being up 
to approximately 0.036.    The appropriate parameters on which  the  flow may be expected to depend are therefore 
those of Hie inner region of the boundary layer, as employed for example in expressing the calibrations of 
surface devices used to determine  skin friction coefficient.    Accordingly a drag parameter,  ^D/cf  ,  ia 

C   / UTh C regarded as a function of a roughness Reynolds number i.e. D/of _ f(h*), with h+ = -L- whore 0D is drag 

per unit frontal area divided by freestream kinetic pressure. Of is local skin-friction coefTioient in the 
absence of the excrescence, h is height of excrescence and Of and v  are friction velocity and viscosity 
based on wall conditions.    Fig 5 shows that, for a forward-facing step at a given Mach number, there ia a 
unique line (within the scatter due mainly to fluctuationa in readings) indicating a lirear variation of 
drag parameter with the logarithm of h+.    The drag parameter increases,  for a given value of h+, with 
increase of Mach number up to li = 1.4 or a little beyond but ia apparently independent of Mach number for 
further increase of Mach number up to the maximum, 2.8, at which the tests were made.    Ine values of h+ 

show that in all the conditiona of the tests the tops of the steps are within the logarithmic region of 
the undisturbed turbulent boundary layer.    It may be expected that the variation of the drag parameter with 
h+ will change for smaller step height in a way analogous to  the change in character of the veloci-ty profile 
in the blending region and aublayer of the boundary layer.    In thia  connection it ia worth remarking that 
the behaviour ia different from that for    distributed rou^ineaa in that there appears not to be a ordtical 
height below which no drag increment occurs.    Although the preaent reaulta define a logarithmic variation 
only for relatively small heights  of step,  the reaulta of &ood and Joubert-' for the drag of  the forward 
face of a fence at low speeda show that the same variation holda even when the height of the fence exceeds 
the boundary-layer thiokneas.    Thia variation implies that neither the  'independent drag coefficient'  of 
HoemerJ in which the kinetic pressure uaed in forming the coefficient ia the mean over tiie height of tiie 
step in its absence,  nor a drag coefficient based on the  velocity at  the top of the step is  constant over 
a range of height.    In the range of h+ from 40 to 1000 the former varies at lew speed between 0.36 and 0.58 
and the latter between 0.17 and 0.41. 
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Pig. 5     Forward-facing steps - plain 

A detailed survey of previous work has not been made but similar logarithmic variations can be deduced 
from a selection of measurements from other sources.    The results of Wieghardt    at low speeds are shown on 
Fig. 5 and lave somewhat lower values of drag.    The reaulta of Good and Joubert5 give values of drag about 
5C$ higher than the present results.    Ihey are, of course, for a different configuration and were obtained 
from pressure meaaurements thus excluding changes in skin friction on the datum surface. 

At supersonic speeds drag deduced fcr example from -üie preaaure inBaaurements of Kepler and Bogdonoff 
and Vaa and Bogdonoff' at Mach nunfcera of 2.92 and 3.85 is roughly in accord wi111 the present analysis.    The 
calibration of razor-blade surface pitot-tuhea expreased in tl^e form of Fig. 5 also is roughly in agreement. 
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The measurements of Czameoki et al   of the drag of repeated steps at M = 1.61  on a body of revolution 
give lower drag, as would be expected qualitatively because of interference between the steps. 

The effect of rounding the upper comer cf the steps is shown in Pig. 6.    The full and broken lines 
are for values of h+ of 1000 and 200 respectively.    It can be aeen that at subsonic speeds a small amount 
of roundup produces worthwhile reductions in drag. For example the drag is roughly halved for a radius 
)qual to one third of the height. For supersonic speeds the drag reduction is much smaller. A similar differ- 
nce between the behaviour at subsonic and supersonic speeds occurs for the effect ct chamfering as shown 

Fig. 7.     200 -1200 

Wf'fW DEGREES 

Fig.  6      Forward-facing  steps 
- effect of rounding 

II I    I C I 

Fig. 7 Forward-facing steps - effect of chamfering 
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This difference in behaviour is perhaps not surprising if the effective wedge angle, which vrould give the 
measured drag of a plain step in inviscid flow at supersonic speeds is evaluated.    At M = 2 and h+ = 1000 
this   angle is only 15 degrees.    Thus if the flow attaches on a rounded step at the same angle a radius equal 
to the step height produces an effective reduction in height of only So, and the effect of a chamfer would 
not be expected to be very great until tiie angle was reduced to a value of the same order as the effective 
separation angle. 

The drag of rearward-facile  steps has been plotted in the  same way in Fig. 8.    Mean lines only are 
shown to avoid  confusing the fifjure.    The scatter of 'üie  experimental points is in fact slightly greater 
than in Fig,  5-    The measurements at M = 1.7 and 2,0 which were taken in a different set of tests from the 
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Fig.  8      Rearward-facing steps  - plain 

body of the results she*;  SODG   inconsistency with the other results.    The  drag parameter varies linenrly with 
the  loKarithm   of h+ as for forward-facing steps but the variation with Mach number is different,    .-it a givoi 
value of h+ the drag parameter increases with  increase of Mach maiber from low  speeds to reach a maximum at 
about M = 1.4 jn : then falls agJ.n at higjier M ch numbers.    T:iis type of behaviour had been noted previously 
by Hastings-   in his neasurer.ents of base drag.    His  results at supersonic  speeds are  in fair agreement with 
those in Pig.   8.    As for forward-facii^  steps tine results of ref 8 give lower drag.    At low speeds the  results 
agree well with  those of   Vieghardt2 but not  of Tani et al10. 

The effect of chamfering  the  rearward-facing step was terted (Fig.  d) but not of rounding.    At lav 
speeds, for the  lower value of h+  shown,  there appears to be a small penalty for a snail amount of chamfer 
and  there is little reduction in drag unless the chamfer anjjlp is reduced to about 20 degrees.    This result 
is confirmed by some measurements of .ieghardt2.    The drag increase does no',   occur at sunerronic  speeds but 
no substantial benefit is  obtained unles;   the chamfer angle is reduced below 10 degrees. 
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For the drag of square ridges ni';:ji lines only are 
shown in Fig 10,    Also shown as broken lines in the figure 
are results for rectangular ridgos of width 2h,  which were 
taken as a basic section to investigate the  effects of 
rounding since a limiting semi-oiroular shape was thus 
obtained .vith r = h.    The drag of ridges nay be corr.cared with 
the sum of that cf forward and rearward-facing steps.    For 
square ridges at low  speeds interference between the flows 
over the two faces  leads to a drag parair.etor about SQJ 
greater than the sum for t.:e  sonarate faces but the interfer- 
ence diminishes at supersonic  s;;eeds and is  virtually zero 
at M = 2.6.    Little nrevious  oublished data has been found 
with  which comparisons can be made.    Again,   the results at 
low  speeds are in rpod agreeir.ont  with ..ieghardt", and the 
drag is slightly less than found- by Good and Joubert-5 fcr 
a fence.    The results for rectangular ridges have lower 
slope  than those for square ridges but have trie same 
characteristic variation with Mach number. 

(SO 

The effects of rounding the top corners of the ridges 
are shown in Fig.  11.    It can be seen that at both subsonic 
and sunersonio sneeds there is an optimum in  the radius 
of about r = 0.6h.      The optimum is clearly defined at low  pi 
speeds but becomes less pronounced at supersonic  speeds. 
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Fig.  10      Plain ridges 

No previous information shavin;; this detail has been found 
but the  results for a semi-circular ridge are again in close 
agreement with those of .Vieghardt2  (even in showing a non- 
linear variation with log h+,  a feature not brought out in 
the presentation of Fig. 11 ). 

For sharp-edged steps and ridges, the drag may be 
estimated from the formula 

400 

~   = C log h+ + D 
0f 

where C and D have values as given below 

(1) 

M 0.2 0.8 1.4 2.2 2.8 
Forward 
Step 

C 
D 

60 
-80 

60 
-70 

80 
-65 

80 
-65 

80 
-65 

Rear 
Step 

C 
D 

16 
-6 

20 
-13 

US 
-13 

50 
-30 

35 
-12 

Square 
Ridge 

C 
D 

150 
-190 

150 
-160 

160 
-125 

110 
-U2 

100 

Fig.  11      Ridges - effect of rounding 

For grooves the drag increments were small and the accuracy 
of the measurements consequently poor. For grooves in the direo* 
tion of the flow the drag increase measured by the balance was 
roughly equal to the local skin friction acting on the increased 
surface area, that is on the sides of the groove. For grooves normal to the flow a drag coefficient has been 
defined based on the surface area of the groove and a Reynolds number on the width of the groove I. Approxi- 
mately the drag is given for all Mach numbers tested (0.2, 0.8, 1.4, 2.2, 2.8) and for three widths of groove 

.■■ 

u* u I 
T The measure- (1=1,2,3) with h a  0.036   by the formula ^ • 2 log -2- - 2 within the range 10 < — < 10 

ments are not sufficiently accurate to determine the effect .of variation in 1 hut the formula above is roughly 



f-6 consistent with the drag found for rectangular holes and shown m Figs.  14.  and 15. 

Except at very low Reynolds number the drag of a long groove normal to the flow is thus  greater than 
that of the same groove along the flow.    This result differs from that of Wieghardt2 for screw slots.    The 
difference is attributed to the drag of the ends of the slots being included in Wieghardt's measurements 
but not in those of the present work. 

4.2   Circular Holes 

The flow pattern within a hole is of a complex three-dimensional nature and will depend upon the con- 
ditions of the flow approaching the hole and the geometry of the hole.    It is unlikely that any simple 
analysis will be capable of describing all the possible flew patterns.    For example for veiy shall« holes, 
reattaohment of the flow leaving the forward edge will occur with subsequent further separation as tto 
dowMtream edge is approacted.    In fact it was found that for the shallowest holes tested a fair estimate 
of ihe drag could be made by assuming that the pressure variation on the vertical face of liie hole was that 
of forward and rearward facing steps multiplied by the square of the ooeine of liie local angle of sweep of 
tl» edge of the hole.    For deeper holes complex vortex patterns will occur within tiie holes.    Hwever, in 
some way the flow within the hole will be driven by the shear stresses across the face of tiie hole and 
these shear stresses will be related to those in the bouniary layer approaching the hole.    An analysis has 
therefore been made by oonsideriiig the drag of the hole as arising from an effective shear stress T', and 
this has been non-dimensionalised by the shear stress T in the approaching boundary layer, so that an 

incremental drag parameter .ü   = i' - 1 has been defined.    Here, Gr. is the drag ooeffLcient based on the 
cf       x 

planform area of the  hole  and Cf is the skin-friction coefficient of the approaching boundaiy layer.  The drag 
parameter will depewi upon a Reynolds number of the flow across the hole,  (taken as "r^ , where d is the 
hole diameter), the Mach number of the flow and the hole depth.    Thus we may take 

A 

§■'(¥•!•■) (3) 

Inspection of the results for each hole and each Mach number over a range of Reynolds numbers showed 
that they could be expressed as 

§■<*; (4) 

where B was found to depend upon Mach number but was sensibly independent of hole depth, whilst A depenis 
strongly upon both Mach number and hole depth.    Values of A and B are shown in Fig. 12.    There is a 
practical interest in the drag of holes with depths greater than tto maximum of If = 5 of the present 
tests.    The results of previous work at low speeds has therefore been analysed in terms of eqn.  (4).    In 
making the analysis it has been necessary to estimate skin-friction ooeffioients and to assume that the 
values of B obtained from the present results could be taken even tiiougi the Reynolds numbers were lower. 
Values of A derived from the measurements of Wieghardt2 agree with the present findings in the region 
of overlap and are shown in Pig. 12.    Consistent values (not shown) have also been obtained from tiie tests 
of Tillmann     and Prieslag12.    These tests covered a wide range of values of d/6, the ratio of hole dia- 
meter to boundaiy layer thickness and the values of A show no strong dependency upon this parameter.    The 
extension of the results to larger values of § reveals a strong, almost cylical, variation of A with 1} . 
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A brief oil-flow study has been made of the flo» in holes in an attempt to find the flow patterns 
associated with this variation.    The study was made in a small blower tunnel and it  is not  lawvm if the 
drag variations implied by Fig.  12 actually occur in the study.    However in view of the apparent generality 
of Fig.  12 it is assumed that this is likely.    The oil-flow pattern for a hole of depth :  diameter ratio, 
— = 0.47 "as found to have a unique character compared with patterns for other holes in the range tested, 
d 

V-7 

(0.1 s |< 1.3). 
removed. 
Rear 

A photograph of the pattern is given in Fig. 

Top 
Front 

Fig.  13   Oil-flow pattern in circular hole ! - ^ 

13 in which a lining to the hole is  shown 

Rear The photograph implies tiie exis- 
tence of two vortex sheets,  the 
upper one  rolling up from a spiral 
point on the starboard wall,  and 
presumably engulfing the lower sheet, 
emanating from the floor,  in the 
rolling-up process.    The ooiled 
sheet appears to lie across  the hole 
at about 45° to the stream  direction, 
and its field to sweep new fluid 
into the hole roughly normal to its 
axis,  as indicated by the  streamlines 
on the floor.    This  toverful inter- 
change of  fluid presumably could 
account for the hi^i  drag but the 
reason for the formation of the 
pattern is  not  understood.    It should 
be noted that,  though the  pattern 
showed a preference for the asymmetry 
as shown in the photograph,  patterns 
of the opposite hand occasionally 
occurred. 

4.3      Rectangular Holes. 

A few meaaureme.'its have also 
been made with rectangular holes. 
Samples of the results are shown 
in Figs. 14 an<M5 B* one Reynolds 
number only, -2- = 2x10* where 
t is the length of the hole in the 
stream direction.    Insufficient com 
binations of planform aspect ratio 
and depth to length ratio were tes- 
ted to make any comprehensive anal- 
ysis possible.    In Fig 14 values 
of the drag parameter ^D/o* are 
plotted against h/C-.    The measure- 
ments show a trend <£ decreasing 
drag with increase of depth ratio. 
This trend is genuine for the three 
points with planform aspect ratio 
of 0,4 but may be coincidental for 
the points with aspect ratios cf 
1   and 2.5.    As a check on til is, 
results from Friesing      for holes 
with vaiyii^ depth ratio are shewn. 
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These results are it different Reynolds numbers and 
have simply been scaled so that the curves on Fig.  14 
pass through the  points  of the presatt measuranents. 
The curves imply tl.at the  trend, whilst not being unique 
for different aspect ratios, is followed roughly.    It is 
interesting to note that,  if a'lower bound'  is fitted 
to the osolllatoiy curve of Fig.  12 and the variation of 
the drag parameter on the lewer bound for circular holes 
is Wisn  .estimated at a mean Reynolds nuaber of 
5 )?.   = 2 x 10 t  the general trend of the results for 
4   v 

rectangular holes is well matched.    This result suggests 
that at low spe/ds the drag cf a circular hole will gener- 
ally exceed that of a rectangular hole. 

In Fig.  15 the variation of tiio drag of two par- 
ticular holes vdth Mach number is  shown and compared 
with tiie variation for a circular hole (of depth 
chosen so that the variation is not unduly influenced 
by the oscillatory characteristics).    At subsonic 
apeods the drag of the circular hole dir-inlshes whilst 
the drag for tiie   square and rectangular holes con- 
tinues to rise.    T&is trend is contrary to that 
found by Modregor".    Further work is needed to 
resolve the discrepancy and to put the  estimation 

2-0 
Fig. 15     Rectangular Holes - Variation of drag with 

Mach number 

— 



^-Ö',      of the drag of rectangular holes on a firmer basis.    McGregor's investigati.ona  concentrated on detemining 
the  effects of acoustic resonance on drag.      The present results may be influenced by such effects but 
no evidence of their occurrence made itself obvious in the tests. 

4.4     Circular cylinders. 

The flow  past a circular cylinder normal to a wall is also very complex.    At the base of the cylinder 
separation of the approaching flow leads to 'the formation of one or more horseshoe vortioes wrapped round 
the front of the cylinder, and trailing in the downstream direction.    If the  flow is  supersonic  there 
will also be complicated shock patterns produced by the interaction of the bow shock of the cylinder and 
the boundary layer.    Further out from the wall the variation of the drag along the cylinder will still not 
be simple since,  even with the assumption that the drag may be treated stripwise, the local drag will 
depend upon the local values of kinetic pressure,  Mach number and Reynolds number.    An attempt has been 
made in the analysis tc take account of these various factors in an empirical way, ignoring of necessity 
the development of a proper model of the  flow. 

For cylinders which are very short with respect to boundary layer thickness,  the drag is roughly the 
same as that of shallow holes, and can be estimated approximately in the same way by using the informaticn 
on the drag of steps, with a factor for the  angle of sweep of the vertical faces.    This approach may be 
consider»^ as a drag analogue to the law of the wall for the velocity profiles of a turbulent boundary layer. 
The analogy with velocity profiles has been extended for longer cylinders by an attempt to establish a drag 
defect function as suggested by G-ood and Joubert^. 
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Fig.  16        Circular cylinders - U s 1.4 

Measurenenta were made of the  incremental drag 
created by cylinders of diameter d = 12.7 mm (0.5 in) 
with length to diameter ratios 3/d ranging from 1 to 
20,    The boundary layer thickness was of the 
order of lOd.    As a sample of the results ttie values 
of drag coefficient (based on frontal area) for a 
Mach number of 1.4 are shown in Pig. 16 plotted 
against a Reynolds number Re^ based on freestream 
conditions and cylinder diameter.    For all lengths 
of cylinder the drag increases with increase of 
Reynolds number but the  rate of increase diminishes 
as the length of the cylinder increases. 

In order to estimate Hie drag of cylinders which 
extend outside the boundary layer knowledge of the 
drag coefficient under freestream conditions, Cj^ t ±a 
required.    It has also been taken as a datum value 
on which to base other parts of the drag estimate. 
It has been found by extrapolation from results such 
as those in Fig. 16 for the five Mach nunbers at which 

measurements were made,  and is  shown in Fig. ^^/ta.gaXn plotted against Re^.    At M = 0.2 the range of Re^ 
extends just into the critical region,  and it  is of interest to note that the  manner in which ^It decreases 
falls within Hie band cf previous measurements at low speeds, and that the critical value of Re^ is. not  excep- 
tionally low  as uiignt have been anticipated from tte  effects of the proximity of tiie highly turbulent flow 
of the boutriary layer.    At other values of Mach number the flow is dominated by compressibility effects 
and no drag decrease occurs with increase of Re^.    A further point to note is that the drag actually 
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Increases steadily with Increase of 
Re

d (dCI)bo/d lo8 R^d ^eing abou't 0.08).    This 
Increase is slower than that found by Roshko1* 
for low speed flow at supercritical Reynolds 
numbers.    The results of Fig. 17 enable correc- 
tions for differences in Reynolds number to be 
made arai a comparison with previous measure- 
ments to be obtained as shewn in Fig.  18. 

The analogy with a velocity defect func- 
tion is taknn in the form 

D, - Cv 
= *(£) (5) 

where    Dfi is the drag coefficient  rf a cylinder 
of length s = Scj^.where 6™ is boundary-layer 

thickness *-.o 99?J of freestream velocity. 
Within til e range shown by the bars in Pig.  19 
it has been gound that CD5 is proportional to 
Cj.    at a given Mach number and the variation 
of the ratio is  shown plotted against Mach 
number.. 

It had been hoped that a drag defect 
function independent of Mach number could be 
found,  but for the reasons  given previously 
the  failure to find tills, as shown in Fig.   20 
is not surprising. 

Figures IB, 19, 20 enable an estimate of 
drag to be made for cylinders of any length 
greater than about 0.15.    For cylinders immer- 
sed completely in the boundaiy layer 

CD = % " P Cf (6)      . 
and for cylinders wnich extena into the free- 
stream 

^'V (1  - ^)CD- (7) 
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Fig.  20   Circular cylinders - drag defect function 
The broken lines on Fig. 16 show estimates 

derived from equations (6) and (?) with boundary layer characteristics taken from Figs.  1  a«i 2.    The com- 
parison with the measurements shows that  the  simplifications introduced in the  estimation method lead only 
to small errors for long cylinders and for short cylinders, but that the variation of drag with Reynolds 
number is overestimated for cylinders of moderate length. 

4.5     Stub Wings. 

Four different stub wings were tested,  of spans 
2.5, 1.2S, 0.25 and 0.125c, where c is the chord,  of 
length about §6.  As a sample of the results the drag 
coefficient  (based on frontal area)  for a Mach 
number of 1.4 is sho/m plotted against Reynolds 
number based on chord in Fig. 21.    The results 
are ainular in cteracter to tiiose for circular 
cylinders and it was hoped t.at the analysis made 
for the cylinders could be carried over to stub 
wings,  or indeed to any other similar sort of 
object projecting into or througji a boundaiy layer. 
In particular it was hoped that the drag ratio 
(Fig.  19) and the drag defect function P (Pig. 20) 
could be taken as being fairly universal so that 
given a knowledge of the drag of an object in the 
freestream its drag in a boundaiy layer could then 
be estimated.    The drag of the stub wings- at sub- 
sonic speed is small and has not been resolved with 
sufficient accuracy.    Analysis has been made only 
of the  r«suits at supersonic speed.    In the analysis 
the hope.i are only partially realised.    The drag 
defect function was found to have a variation both 
witii Mach number and a/b similar to that for cir- 
cular cylinders but its values are scaled by a 
factor of about if.    However the drag ratio (Fig 23) 
whilst having values close to ti.ut for a circular" 
cylinder at M = 2.2 and 2,8   was about 5^0 lower at 
1J = 1.4. The drag of the wing section at freestream 
conditions at supersonic speeds is shown 
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in Fig. 22. The streamlining of an aerofoil section compared with a circular cylinder gives a reduction 
in drag of some kOfi. The estLnates shown by the broken lines on Fig. 21 are much less satisfactory -than 
for oiroular cylinders. 
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Fig.   22      Drag coefficient of wing of  infinite length 

4.6      Fairings, 

The measurements of  the drag of fairings are the least satisfactory part of the investigation, and so 
far no general understanding of the results has been achieved but some observations can be made about them 
which give guide lines for design.    The results,  as drag coefficients based on the  frontal area of the 
fairings,  plotted against the ratio of boundary-layer thickness to fairing height are shown in Figs.  24 and 
25 for Mach numbers of 0.2 and 1.4 as being typical of the behaviour at subsonic and supersonic  speeds res- 
pectively.    Altogether ten configurations were tested,   and the points shewn are for the maxiraun and minimum 
Reynolds number for each configuration.    There is some  small inconsistency in the drag as presented because 
some  of the excrescences extended beyond the front plate of the balance so covering parts of the wall,  the 
skin-friction drag of which was not included in the datum drag. 
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The first oTiservation is that at subsonic  speeds C
D increases with increased immersion cf the  fairings 

in the boundary layer and is considerably less than at supersonic  speeds where the drag decreases with 
increased immersion.    Apparently at subsonic  speed viscous  effects are dominant whereas at supersonic 
speed wave drag is diminished by the damping action of the boundary layer.    This  is shewn most clearly by 
the results for the parabolic bodies (1),  (2),  (3) of semi-circular cross section and fineness ratio 3 : 1 
for which an extenied range of 6/h was obtained by testing three sizes of body.    At subsonic speed Cj) tends 
to zero at infinite Reynolds number (6/h = 0) and at supersonic speed CD has ^een extrapolated to an 
estimated value for the forebody drag plus a base drag.    The estimate has been made in this way because 
it is  known from observation of tufts that there was considerable separation over the rear of the body. 

For the remaining bodies, which differ from bodies (1),  (2) and (3) in having greater fineness ratio 
and in having end profiles of circular arcs rather than parabolic arcs, the variation of drag with immei> 
sion ^.n the bouniary layer is greater.    Body (8) which resembles (1), (2) and (3) but with a parallel mid- 
section has a drag roughly consistent with these bodies, and with them has the Iwest drag.    Comparison 
of (8) with {k) and (5) (the arrows on the sketches of the bodies show the wind direction) indicates that 
a hemispherical forebody (body (5) ) has a small penalty compared with a pointed body at subsonic speed 
and a large penally at supersonic speed but that the reverse is true for a hemispherical afterbody (body 
(if) ).    Bodies (6) and (7) which have a rectangular croes section of 2 : 1 aspect ratio have slightly higher 
drag than (8) which has a semi-circular cross-section.    Their increased length compared with body (8) 
perhaps compensates for ary improvement due to the increased fineness ratio of either the forebody or 
reaAody.    The fact that their drag is roughly the same does not point to any preferential advantage in 
increasing the forebody or aftertody length above a value of about 3h.   Finally the square cross-section 
bodies (9) and (10) have high drag but the variation with 6/h is rapid over the limited range investigated 
and comparison with other bodj.es might be different at different values of 5/h.    The differences in drag 
between them confirm the penalties of a bluff afterbody at low speed and a bluff forebody at supersonic 
speed as indicated by the comparison of (if) and (5). 

6      CONCLliDIM} REMARKS 

It ia suggested that the experimental results and the analysis given provide means csf estimating the 
drag of many of the excrescences found on aircraft. There are, however, obvious shortoominga of the work, 
and jonsiderable scope for extension in various aspects. 

A notable omission is the lack of ar^ study of effects which may accuir.ulate downstream because of the 
effects of disturbances on boundary-layer growth and because of the effects cf pressure gradients.    Investi- 
gation is needed particularly of tiie downstream effects of three-dimensional forms of excrescence, and of 
the effects in three-dimensional flow.    The «ork of Nash and Bradshaw^S ^ shown tlat for simple excres- 
cences in two-dimensional flow a "magnification factor' to account for the effects of pressure gradients is 
calculable.    Cook1° has given some further confirmation of this for the flow over an aerofoil vdth  a ridge 
but has drawn attention to the powerful effects which may occur if the flow in tiie vicinity of the ridge is 
near critical.    Further work is needed both on the drag of  excrescences and on their overall effect on the 
flow over vdngs and bodies at transonic speeds.     The effect  of sweepb-'.ck on steps and ridges could also be 
studied. 

The measurements rf" the drag of holes need extending to deeper holes, to different foru"; of holes and 
to include the exploration of the possible benefits from shaping the edges of holes.    Inforimition is also 
needed on the drag caused by air intakes and exits. 

The investigation of the drag of fairings,   though providing sor.e guidance for the ■lesigncr,  is far from 
complete.    The superficial assessment made so far, for example, does not cover separately the effects of 
Reynolds number on the drag of the fairings as distinct from the effects of changes of in.inersion of the bo^y 
in ttie boundary layer with change in overall Reynolds number.    Furthermore, since the purpose of fairings 
is to reduce the drag of some necessary obstacle,  a proper approach, from purely aeralynamic coi^iderations, 
would be to attanpt to define a shape with minimum drag surrounding a given obstacle. 

There are also other topics not covered in .the investigation described here,  amongst which are the 
increments in drag caused by surface distortions  and by arrays of excrescences.    In the latter aspect it is 
necessary to establish the way in which interferences between individual excrescences develop as their dai- 
sity increases and the drag charges from that for isolated excrescent-es to that for distributed roughness. 

British Crown Copyright: reproduced by permission of the Controller of Her Britannic 
Majesty's Stationery Office 
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SUMMARY 

There are several components that make Important contributions to the drag of a 
helicopter, e.g. the drag of the main rotor and of the tail rotor, of the basic fuselage, 
of the pylon, of the landing gear, of the fairings and the interference drag between 
these parts. To obtain the total drag of a helicopter one can make flight tests, or 
measure a large scale,or a full scale model in a wind tunnel, or estimate it by semi- 
empirical calculations using component tests of a small scale model. 

The difficulties and advantages of these three ways of defining the drag of a 
helicopter are described. Especially the problems associated with tests of small scale 
helicopter models are discussed since it happens quite often that there is only an in- 
complete small scale model available. When small scale models are tested there can be 
parts that make important contributions to the total drag but have to be tested at dif- 
ferent critical regions of Reynolds number range whereas at the actual helicopter in 
normal flight the Reynolds numbers of these parts lie beyond the critical Reynolds num- 
ber. The problems and methods to estimate the total drag of helicopters using results 
of model tests are discussed. The results are compared with flight-test results. 
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Subscript: 
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1.  INTRODUCTION 

In the early days of development of helicopters the engineering effort was mainly 
concentrated on the mechanics of flight and the development of the rotating and control 
components. Almost no attention was paid to the aerodynamics of the non-rotating parts 
(Ref. 1). The designers of the helicopters of today and of the future are noticeably 
trying to improve the aerodynamic efficiency. It is true, that for some purposes (e.g. 
agricultural, survey, training, heavy lift, observation) aerodynamic cleanliness is 
still less important, but for transport, both civil and military, and for attack, speed 
becomes an important factor. In case of the civil transport helicopter, block speed is 
the interesting factor. As far as the military transport helicopter is concerned, spee.^ 
plays the dominant role in possible evasive actions or passive defense. In case of the 
attack helicopter, the speed factor is evident and needs no further explanation.  How- 
ever, speed is not the only important factor. The customers become more and more inter- 
ested in economic helicopters which need less power at a given speed. Therefore, reduc- 
tion of parasite drag will be regarded very carefully in new designs. 

To increase the speed of a helicopter or of an airplane there are two possibili- 
ties, namely to install more power or to reduce the drag. Ultimately, one has probably 
to do both, but reduction of drag seems to be more attractive to the designer. As is 
well known, the total power required of a helicopter in level flight consits of three 
components (Fig. I) : 

(1) The induced power that is required to produce lift, 
(2) the profile-drag power that is necessary to drag the blades through the air, 
(3) the parasite-drag power that must be supplied to drag the fuselage through 

the air. 
As can be seen from Fig. 1, the induced power decreases with increasing speed. The 

profile-drag power increases slightly as forward speed is increased, the increase be- 
coming very rapid at high forward speeds. The power required to drag the fuselage through 
the air, however, increases as the cube of the forward speed and becomes very large at 
higher speeds. Therefore,  when increasing high speed of a helicopter much attention 
must be paid to its parasite drag. 

Reducing the drag of a helicopter means not only a reduction of the propulsive 
force of the main rotor. It also delays stall and compressibility effects at the main 
rotor with subsequent less aerodynamic load unsymmetry on the rotor. Thus, the oscillatory 
loads on the rotor blades and controls as well as the vibration in the cockpit and on the 
frame are diminished (e.g. Refs. 2 and 3). Therefore, the goal of modern helicopter de- 
sign is, to come close to the average parasite drag of fixed-wing aircraft as can be seen 
in Fig. 2 (Ref. 4). 

Reduction of drag can, of course, only be achieved by careful aerodynamic consi- 
deration of the components. This is necessarily followed by careful testing and analy- 
zing. The possibilities of doing that and the problems associated with estimating the 
total drag and the drag components of a helicopter are discussed in the following paper. 

2.  BASIC RELATIONSHIPS BETWEEN DRAG FORCES AND POWER REQUIRED OF A HELICOPTER 

The power supplied at the rotor shaft of a helicopter is expended in overcoming 
the profile-drag losses, the induced-drag losses, the parasite-drag losses and in chan- 
ging the potential energy of the aircraft in climb. The total shaft power is the sum of 
the various sources and car be written in coefficient form as 

CP = CPo + CPi + CPP 
+ CPc  • ( 1 > 

Each Individual power loss may be expressed as the energy dissipated per second 
by an equivalent drag force moving at the translational velocity of the aircraft. Thus, 
if D represents the total equivalent drag force and D  , D. , D and D the equivalent 
drag forces corresponding to each of the sources of powei expenditure, 

D=D+D.  +D+D. (2) 
o    i    p    c 

Deviding equation   (2)   through by the rotor  lift L yields 

l- # ^E» +<?) + (?)  • (3, 
o     i     p     c 

Since (Cp/C_) » (D/L) • u, equation (1) may be written in the usual form (see Ref.l) 

fp = ^o + f£i + ^£+^c   p (4) 

T    T     T     T     T 

Eq. (4) is the fundamental power relation to solve any problem in helicopter per- 
formance. Additional formulas that are necessary for evaluating helicopter performance 
by means of eq. (4) are taken from Ref. 5: 

• 
T cos(o + y) " W + DD 

sin Y  • ( 5 ) 
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These basic equations i4) to (11) can also be used to determine the drag forces 
of a helicopter if it is possible to measure the different sources of power expediture. 
It should be noted that some of these equations are approximations which are only used 
since they describe the physical background very clearly. 

The trends of induced, profile and parasite power with airspeed that are shown in 
Filg. 1 for a level flight of a utility helicopter indicate that a remarkable portion of 
power required at high speeds stems from parasite drag, about 50 percent at 240 km/h. 
While theoretical methods have already been developed to a degree to predict the rotor 
drag-lift ratio (D/L)„ with some confidence (Ref. 6) it is still impossible to estimate 
the parasite drag of  a helicopter using theoretical methods. The reason for this fact 
is that there are several components which make important contributions to the parasite 
drag of a helicopter but cannot be dealt with analysis because of their shape. Fig. 3 
shows a typical drag brakedown of utility helicopters at cruise conditions. The main 
contribution comes from the basic fuselage. The larger number belongs to a helicopter 
with great utility. The next important items are the drag contributions of the hub of 
the main rotor including blade shank drag, of the main rotor pylon and of the landing 
gear. The remaining parts make smaller contributions to the drag but they add up to a 
total of 24 to 28 percent. 

The drag of a helicopter can be measured in flight tests, large or full scale- 
wind tunnels or in small scale wind tunnels as it is common for fixed-wing aircraft. 
Only the special problems associated with helicopter testing will be discussed in the 
following paragraphs since all problems that are valid both for fixed-wing and rotary 
aircraft will be discussed in many distinguished papers of this meeting. This paper will 
also not touch the problems of instrumentation and accuracy of measurement (e.g. Refs.7 
and 8). 

3.  FLIGHT MEASUREMENT OF HELICOPTER DRAG 

Flight testing allows exactly only measurement of the total drag of a helicopter. 
The following quantities have to be measured for this purpose: 

helicopter gross weight 
altitude 
temperature 
true air speed 
rotor shaft power 
rotor angular velocity 
flight path angle or rate of climb 

Of course, if some parts, e.g. basic fuselage^ main rotor hub, landing gear or main 
rotor pylon, are Improved by better aerodynamic shapes, the reduction of drag compared to 
the orlgional version can readily be determined. Fig. 4 shows a comparison of flight test 
results between a production BO 105 and an aerodynamicly improved BO 105 that has an 
extended engine cowling and afterbody and advanced geometry blades. The improved fuse- 
lage leads to a drag-reduction of 165 kp at a speed of 250 km/h. Adding the improved 
blades results in an additional drag reduction of 77 kp at the same speed. In an attempt 
to brake world speed records even more aerodynamic cleanliness Is required. E.g. in 
Ref. 9 the speed gains of the Gazelle as obtained with several streamlinings in flight 
tests are discussed. ~ 
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,      Another advantage of flight testing Is that there do not arise any problems due 
C-Lf   to scaling effects as It happens when models are tested. Therefore, flight tests are 
-^  ' the final judgement of design and of model testing. 

The disadvantage of flight tests Is the fact that It Is not possible to measure 
exactly the drag force«  cuccespunulmj to each of the sources of power expenditure. 
Needless to say that In the design stage no drag data can be achieved by this procedure. 
In addition, It Is too expensive to optimize the drag of components In flight tests by 
changing the shape. Only the results of the optimization In the wind tunnel are finally 
checked. 

However, there are two possibilities to find the parasite drag of a hallcopter in 
flight testing. As can be seen from Fig. 5 (Ref. 10) the rotor drag DR 

= D0 
+ Di can !oe 

calculated quite accurately by theory. Thus, the parasite drag or the parasite-drag 
area can easily be obtained from eqs. (4) to (9) assuming level flight: 

3 

2A .cosa. 
'Po 'Pi ( 12 ) 

Another possibility is only valid in the high speed range provided that major por- 
tions of the blade are not stalled. But in this case only measured data are used. This 
idea takes advantage of the fact that the power required to drag the fuselage through 
the air increases as the cube of the forward speed. Thus, in the high speed range, the 
changes in total power required stem mainly from the contribution of paras te drag (Fig. 
1). In Fig. 6 the rotor-shaft-power coefficient C- is plottet versus u3. The linear de- 
pendency between C- and u1 proves the asumption stated above. Therefore, when differen- 
tiating eq. (4) with respect to u' several terms can be neglected, and one obtains: 

i 

d.Cr 1 f  1 

d((js)   2 A cosa 
Const. ( 13 ) 

Since in the high-speed range (A/U)<<1, eq. (8) yields 

CPi  Ä 
T 

2u 

The thrust may be obtained from T2 

fined from Fig. 6. 
W2 + D2 

Thus, one can calculate f, C- and C-,. 
puted with the aid of eq. (4): vc vx 

( 14 ) 

The constant of eq. (13) can be de- 
Finally, Cp can be com- 

-Po =  C, -Pi -Pp ( 15 ) 

The total power required  as obtained  from flight tests with the BO  105   shows 
good agreement with calculations   (Fig.   1)  which use wind tunnel data for the parasite- 
drag ai.ea.   Thus,  the  small  scale wind tunnel data seem to be satisfactory. 

Fig.   7  shows  a comparison of the drag  forces  as computed by theory   (using the 
measured parasite drag area)  with  those obtained by the empirical  method mentioned above 
which uses  flight-test data.  The  agreement  is good.   The empirical method overestimates  a 
little parasite-drag  force,  whereas theory underestimates  a little total equivalent drag 
force. 

4.     FULL-SCALE  WIND-TUNNEL TESTING OF  HELICOPTER DRAG 

Any wind tunnel testing of  helicopters that  includes the  rotor is preferably per- 
formed with full-scale helicopters since construction of  a rotor model that is aerody- 
namically and dynamically  similar means    almost design and development of a new rotor. 

The advantages of   full-scale wind-tunnel  tests are that they usually provide  data 
essentially free of  scale  effects  and permit the evaluation of  the actual hardware,   such 
as antennas.   The contribution of  the landing gear or of    various  excrescences  such as 
window and door seals,  door handles and other protuberances to the parasite drag of  a 
helicopter    or  the  additional drag  from leakage and    nonflush doors,  windows,  hatches etc. 
which not only contribute  their own drag but can also cause flow  separation on the basic 
fuselage can only be determined  from full-scale tests.   This  is  also true when the drag- 
lift ratio of  the rotor alone or  the fuselage  forces  as  Influenced by rotor operation are 
to be measured.   Of course,   any extreme flight condition  that might be dangerous should 
preferably be measured in  a wind  tunnel.  However,  this problem is not so much associated 
with measurement of drag but more a problem of general flight behavior. 

Besides  the  fact that the  number of  full-scale wind tunnels is small  and the  cost 
of testing is high   (but still lower than flight tests)   there are  several other problems 
that have to be observed when planning full  scale tests.   The speed range of wind tunnels 
is  limited,  e.g.   200 knots at the NASA Ames  40 x 80 food wind tunnel.  This  speed range 
is usually adequate  for testing  of pure helicopters.   It might some times not be adequate 
for testing of  special high speed rotorcraft at  full scale Mach number and advance ratio 
(e.g.   Ref.   11) .   To simulate the advance ratio tip speed has to be  reduced substantially. 
Thus,  the data  is obtained at reduced Mach number, and Reynolds number, even though  in a 
full  scale wind  tunnel. 



There exists another problem when testing V/STOL vehicles in a wind tunnel. There 
is a minimum speed test limit that results from a breakdown of the flow through the tun- 
nel, see for instance Refs. 12, 13, 14.  This flow breakdown is caused by an interaction 
between the model's high energy wake, the main tunnel flow, and boundaries. In contrast 
to the free air, the flow in the tunnel at the limiting conditions produces a large re- 
gion of reversed flow and upwash in front of the wake, see Fig. 8 (Ref. 12). The forward 
portion of the wake travels forward initially and then upward to roll up into a large and 
powerful standing vortex in front of the wake as it nears the floor. The rear portion of 
the wake is subjected to both an acceleration and an upwash so that this portion of the 
wake assumes a position substantially above its normal free-air position. The flow 
breakdown is a function of the model's downwash, size, and configuration as well as the 
tunnel size and configuration, see Fig. 9 (Fef. 13) . When data is taken below the flow 
breakdown point data is not valid. 

If these restrictions mentioned before are observed full-scale wind-tunnel tests 
show usually very good agreement with flight tests (e.g. Refs. 15 and 16) and can there- 
fore be regarded as reliable data. Some important full-scale results which can serve as 
guidelines for estimating the drag of helicopters or for judging small scale tests are 
reported in References 16 to 19. Some of them are summarized in the following discussion. 

It is shown in Ref. 16 that the rotor-fuselage Interference is small when the 
fuselage with the rotor off has large separated flow areas. It is assumed that this is 
also true if the fuselage has very small separated flow areas (Ref. 17). A fuselage which 
has no separated flow but is susceptible to flow separation from relatively small distur- 
bances would be expected to have large interference effects. Fuselage tuft studies during 
tests of models without a rotor can indicate whether or not interference effects are 
likely to occur. 
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In References 16 to 18 several full-scale helicopter fuselages were teited and 
the influences of different hubs, pylons, landing gears, antennas and several aerodynamic 
fairings were investigated. Fig.10 (Ref. 17) shows as an example the parasite drag area 
of the basic fuselage of a four place, light observation helicopter and the effects of 
several other parts. The total parasite drag is six times as large as that of the basic 
fuselage. An aerodynamic cleanup reduces the total drag to 65 percent of the original 
one. Especially the drag increments of three pylons with three-blade articulated hubs 
are shown in Fig. 11.  Although the curved element pylon has three times the frontal area 
of the linear element pylon, It is significant that the curved element pylon in combi- 
nation with the rotor hub has only a slightly higher drag than does the linear element 
pylon with the same hub. The addition of a ramp to the curved element pylon has no effect 
on the drag, but might improve the effects of the pylon wake on the tail aerodynamics. 

Fig. 12 presents the drag increments of three test hubs the distances of which 
from the fuselage were varied. As can be seen from results about 50 percent drag reduc- 
tion are possible. Fig. 12 shows also the drag characteristics of the antennas, door 
junctures, and door handles. Although none of these items contributed more than 0.02 3 
square meters of parasite-drag area individually, camulatively they account for about 
23 percent of the drag of the complete configuration. 

In Ref. 19 the results of parasite-drag measurements of five helicopter rotor hubs 
are documented. The results of that investigation indicate the following conclusions 
(Fig. 13)i 

(1) In general, angle-of-attack variation do not have large effects on the drag. 
(2) Within the limits of these testa, the drag is not significantly affected by 

changes in hub rotational speed or forward speed. 
(3) The drag coefficients C of the basic hubs, based on projected hub frontal 

area, increase gradually with hub area and range from 0.5 to 0.76 for the 
hubs tested. 

Thus, if there are no problems with Reynolds number a nonrotating hub is a fair 
approximation of the actual behavior in small scale tests. 

5.  OBJECTIVES AND PROBLEMS ASSOCIATED WITH MODEL TESTING 

The need for the testing of aircraft was already discussed at the beginning of 
this paper. The best way of doing it is not a priori obvious, but model testing has in 
fact certain advantages over full-scale flight testing such as (Ref. 20): 

(1) Cheapness, 
(2) instrumention may well be easier, 
(3) more controllable experiments are possible, 
(4) ability to test flight regimes which are difficult or dangerous to achieve 

with, or are outside the range of existing full-scale aircraft, 
(5) ability to test configurations that are in the design stage and not yet in 

full-scale existance, 
(6) individual components of aircraft, and their mutual interference effects can 

be relatively easily tested. 
Items 2,3, 4 and 6 are of course also valid for full-scale tests compared to flight tests. 

The most important problem that has to be solved when conducting model tests Is 
scaling. It is a well-known fact that the forces and moments acting in the fluid and on 
the body, and the motions of the body and the fluid are completely similar both for model 
test and actual flight if certain non-dimensional parameters can be arranged to be iden- 
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tical both for the model and the full-scale aircraft. If no rotors are Involved in the 
tests only the Mach number and Reynolds number are important to achieve similarity. How- 
ever, since 1/5-scale or 1/4-scale models are usually used it is impossible to fulfill 
both requirements unless pressurized wind tunnels or those using a gas other than air as 
a working fluid are considered. Since forward speed of pure helicopters does usually 
not exceed Mach number of 0.3 testing of fuselages is not aggravated from this point of 
view. Simulation of Reynolds number is the problem. Fig. 14 (Ref. 18) shows a comparison 
between full-scale and 1/5-scale data of a light observation helicopter (LOH). The measu- 
rements were conducted with the basic fuselage less all antennas and protuberances, lan- 
ding gear removed, holes and gaps sealed. The fairly good correlation in the drag data 
may be fortuitous because the differences in lift and pitching moment indicate marked dif- 
ferences in the flow conditions between full-scale and small-scale test. In both tests the 
drag coefficient was increased about 0.04 when adding the faired landing gear to the fuse- 
lage. In the full-scale test, the zero-angle drag coefficient of the LOH was increased 
by 0.010 by the shortened afterbody, and decreased by 0.012 by the extended afterbody, 
whereas in the small-scale test the corresponding numbers were, respectively, 0.005 and 
0.012. 

Fig. 15 presents another comparison of full-scale and 1/5-scale model test results 
for two slightly different models (labelled C and D) of a LOH (Ref. 21) . The drag of mo- 
del C, both small and full scale, agrees fairly well, as does the lift. However, the drag 
of model D, 1/5-scale, is nearly twice that of the full-scale model. This difference, 
according to Ref. 21, results from flow separation on the small-scale model and is re- 
lated to a low Reynolds number effect. It is also interesting that the slopes of pitching- 
moment curves for both the full-scale and 1/5-scale models agree reasonably well, but 
large differences exist between the angles of attack for zero pitching moments. The dif- 
ferences could not be explained in Ref. 21. 

These resu ts indicate that there always exist some uncertainty when conducting 
■mail-scale tests whether the results are valid or not. The situation gets even worse if 
parts like tubular landing skids are involed whose parts are slightly supercritical in 
flight. Needless to say that the influences of various excrescences such as window and 
door seals, door handles, leakage or nonflash doors cannot be simulated in small-scale 
tests but have to be estimated. 

Several small-scale fuselage models of the BO 105 helicopter were tested in wind 
tunnels (Refs. 22 to 25). Fig. 16 shows the baseline configuration and several components 
of a 1/4-scale model. The components of the aft fuselage section (afterbody and engine 
compartment cowling) include production, extended and blunted aftbody, as well as pro- 
duction, engine exhaust off, extended and blunted angine cowling. In addition, the ef- 
fects of a main rotor cap, of guide vanes, of vortex generators, of numerous spoilers 
and of a splitter plate were investigated. 

The effect of varying the basic BO 105 model Reynolds number on model drag is also 
shown in Fig. 16.  The model D/g is constant at q settings above 250 kp/m2. The other 
force components were also found to be uneffected by Reynolds number veriations above 
that dynamic pressure. Trip strips of grit were placed on the model nose section, pylon 
and tails to further increase the effective Reynolds number of the model. The surface of 
the landing gear extension was roughened with 0.35 mm grid to force transition since 
even at maximum tunnel q the model gear Reynolds number is subcritical, whereas the full- 
scale Reynolds number is supercritical. The trip strip caused a reduction in gear drag. 
However, since the increase in skin friction drag due to the grit made the results 
questionable, a final landing-gear Reynolds number correction was conducted by comparing 
the test results with drag estimates from the Ref. 26 drag analysis. The grid results 
were used to define the variation of this correction with angle of attack. 

As can be seen from curve (4) of Fig. 17 the BO 105 airframe minimum drag occurs 
at +5°. This positive minimum drag angle permits the development of a zero drag spoiler 
at cruise conditions of about -7° fuselage pitch angle. Fig. 17 also shows that landing 
gear and hubs produce a drag force of 2/3 of the base (curve 1) at cruise conditions. 

The effect of modyflng the afterbody contour is demonstrated by curve No. 5. At 
cruise conditions, the aircraft parasite drag is reduced by about 0.24 m2. It should be 
mentioned that no attempt was made to optimize the extended afterbody configuration. 

Adding a rotor cap caused an Increase in the total aircraft drag as Illustrated 
by curve No. 6. 

The test also showed that the fuselage produced a relatively high download at 
cruise conditions (Fig. 18). This is a common problem of helicopters because of the ne- 
gative pitch angle of the fuselage in forward flight. To prevent this undesirable down- 
load a spoiler was proposed at the afterbody the geometry and positioning of which was 
optimized during these tests. Details of the optimized spoiler-configuration lift and 
drag characteristics are presented as a function of model pitch angle in Fig. 18.  In- 
stallation of the spoiler shifted the fuselage zero lift angle of attack from +4° to 
-4 . A corresponding shift in the airframe minimum drag angle of attack is also shown 
due to a reduction in Induced drag at negative attitudes and an Increase in drag at po- 
sitive angles of attack. At cruise conditions, the induced drag reduction is apparently 
equal to the spoiler parasite drag, resulting in no net spoiler drag penalty. 



Thus, the drag breakdown of Fig. 17 at cruise conditions is valid with or with-  5» 
out spoiler. In addition to the parasite drag area of Fig. 17 the following items which 
have been estimated contribute to the total parasite drag at cruise conditions 

Component &f, m* 

Blade Shank Drag 

Protuberances 

Roughness and Leakage 

Momentum Drag 

0.047 

0.047 

0,055 

0.046 

total  0.195 

On the basis of these small-scale tests and these estimates, the total parasite 
drag polar of the BO 105 was composed and was used in performance calculations. The 
theoretical results were compared with flight measurements (Fig.l).  Since the agree- 
ment between both results is good, it is assumed that the parasite drag area of the 
BO 105 has been estimated fairly accurately. 

6. CONCLUDING REMARKS 

The discussion of the present paper has summarized the tools that are available 
to the designer to estimate the drag of a helicopter. It also revealed the problems which 
are associated with an accurate measurement of the drag of a helicopter. The need for 
comparative measurement between small-scale and full-scale models became evident. As the 
aerodynamic cleanliness of helicopters will become more and more important in the future 
also more wind tunnel tests will be conducted. Thus, the question of building special 
test facilities for V/STOL models will have to be reconsidered. 
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SUMMARY 

The principal  stages  in aircraft feasibility study and design development are considered,  leading 
to  the specification of desirable  characteristics of  aircraft drag prediction models.     The  contributions 
to drag modelling  to be expected from research are reviewed,  together with  the impact of computerised 
design selection and mission analysis methods. 

An assessment of  the relative importance of different  components and sources  of drag introduces 
surveys,  based on contributions by UK specialists,  which examine  the present  state of  the art of predic- 
tion for specific classes of aircraft and for particular  aspects of drag.    The main problems   involved in 
executing and  analysing model and aircraft  tests  are  also discussed in the drag context.    An Appendix 
outlines  the role of  the Engineering Sciences Data Unit  in the  collection,  analysis and dissemination of 
data suitable  for direct use in practical  design methods. 

This  review is presented on behalf of MIDAP  and represents  a collective  effort by  the members  of 
this panel,  rather  than the official view of SBAC and RAE. 

RESUME 

Dans une consideration des pas principaux d'une ötude de practicability et de development d'un 
projet, on cherche une specification des particularites desir^es que possfedent des maquettes dont on s'en 
sert pour les Etudes aöriennes de prediction de trainee.  On examine les contributions ä la representa- 
tion de la trainee qu'on attend des travaux de recherche ainsi que les resultats sur des choix de projets 
et des mSthodes d'analyse de mission en se servant d'un ordinateur. 

Une evaluation des importances relatives des composantes differentes de la trainee et des sources 
de la trainee aux avions comporte des contributions par des specialistes anglais qui ont examine la 
connaissance actuelle de prediction pour des classes d'avions prescrites ainsi que des aspects 
particuliers de la trainee. On discute du point de vue de la trainee les problfitnes principaux necessites 
par l'examination et 1'analyse avec des maquettes et avec des avions. On montre dans une annexe le role 
de Engineering Sciences Data Unit pour la collection, pour 1'analyse et pour la propogation de donnees 
susceptibles d'Stre utilisees de facon directe pour des methodes d'etude pratique. 

Cette etude vous arrive grace ä une enqufite collective poursuivie par des membres du groupe MIDAP. 
Elle ne comporte pas n6cessairement 1'avis officiel du SBAC et du RAE. 
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1 INTRODUCTION &-£- 
Theoretical  and experimental research advances  In aeronautical science,  and analyses of  the exten- 

sive R&D undertaken In support of specific projects,   can lose much of their effectiveness unless  the 
results are available In a form which encourages direct  use In the design and Improvement of aircraft. 
In considering the particular needs ot drag prediction models, we note there are three distincr stages 
(section 2.1) at which such models are required in the aircraft project feasibility and design process, 
involving quite different levels of sophistication and accuracy.    One important direct use of  an aircraft 
drag prediction model  is  in the implementation of  the Figure-of-Merit concept   (section 2.2).     In a more 
general consideration of drag prediction models,  it  is necessary  to note the growing Influence which will 
be exerted by computerised design selection and mission analysis methods   (section 2.3).    Although 
theoretical design methods, validated by experiment,  are expected to play an increasing part in a com- 
prehensive drag synthesis  framework,  there will be a continuing need for maximum advantage to be  taken of 
the results  of model and  full-scale R & D in support of  specific projects,  implying the desirability of 
elevated standards of test design, execution and analysis   (sections 4 and 5). 

Aircraft drag breakdowns for selected aircraft  (section 3.1)  indicate the typical contributions 
associated with different components and  fundamental causes.    These are complemented by specialist  con- 
tributions which assess the present capability for reliable drag prediction for different classes  of air- 
craft   (sections  3.2 to  3.6)  and for particular aspects  of design   (sections 3.7  to 3.9).    An Appendix con- 
siders  the  part played by the Engineering Sciences Data Unit and by MIDAF in the provision of data of 
direct use in practical aircraft drag prediction methods. 

2 AIRCRAFT DRAG MODELLING 

2. 1       Three stages  in aircraft drag prediction 

Estimates  of aircraft drag,  as well as of other key functions  such as weight,  performance,  cost, 
noise etc.,  are  required  at  three distinct levels'   of  sophistication and reliability.     In the preliminary 
feasibility stage,   forecast estimates  of the drag  are needed,  corresponding to aircraft outline  schemes 
generally  lacking  in design detail.    The second stage follows project definition and selection of  the 
main design concepts;     the detailed design is determined progressively and information of direct value 
for drag prediction modelling becomes available from specific project research investigations.     At  the 
third  stage,   following initial prototype performance  tests, drag aid performance characteristics  have to 
be predicted  for  production versions of  the aircraft. 

At the preliminarii feasibility stage,  in response  to an apparent market opportunity or an outline 
staff  target  for  a military aircraft, quick approximate  forecast  estimates are needed.    Nevertheless,  the 
assumed drag and performance characteristics  of alternative solutions must be realistic and  soundly-based, 
not only in  themselves but  also in comparison with  current aircraft,  their probable derivatives  and new 
aircraft types anticipated from other manufacturers.    Such forecasts are usually based on the extrapola- 
tion of existing  experience,  taking due  account of  desirable R&D advances  capable of  implementation 
within the  assumed time  scale and R&D budget.     Elementary statistical  analyses,  based on existing  air- 
craft of similar   layout  and guided by  theoretical  considerations  of  the main factors on which aircraft 
drag depends  can form the basis  for an acceptable  forecasting procedure2.    This approach is  essentially 
conservative,  however,   and  can easily  lead to  the perpetuation of  low design and manufacturing  standards. 
Further,  it  is of   little help when attention is turned  to revolutionary concepts,  such as  Concorde, 
Harrier or Multi-Role Combat Aircraft.     Even  in the early  feasibility stages,   there is considerable merit 
in the  adoption of  a more  systematic and detailed  approach to drag prediction,  provided  always  that  the 
overall results  are subjected to  careful  scrutiny   to ensure realism.     Such approaches should bear  in mind 
both the procedure which is  likely to be adopted  in the   later stages of the aircraft development  process 
and the possible  advantages of computerised design selection and mission appraisal techniques now becoming 
commonplace. 

It is  certainly not  sufficient merely  to estimate  the drag and other  characteristics of  a particular 
design.    One also needs  to know what might be possible  in the way of drag reduction at the drag-dominated 
design points.     The  latter will  include not only  take-off/climb and cruise but also sustained  and 
transient manoeuvre  conditions, particularly  for militar     aircraft.    This  leads  to a need for means  of 
predicting  the  theoretical   lower  bounds  of drag.     Such considerations  lead naturally  to the concept of  a 
minimum-drag streamlined  aircraft,  on which can be based  a Figure-of-Merit^  (see section 2.2),  relating 
achieved drag  levels  to  theoretical minima.     Whatever  the approach adopted in this  first  stage,   the 
objective must be  to  arrive  at  initial  estimates which  set  a demanding,  though feasible,  target   for the 
design team and reflect  an acceptable compromise between  technical, operational and  economic  considera- 
tions.     Contingency  limits  should be chosen at  this  point which allow some room for overall  design com- 
promise, without  rendering the exercise meaningless;     they should be consistent with the assumed  technical 
competence  of  the manufacturing organisation and project   time scale,  as well  as not being over optimistic. 

Let us pass  now to the second stage, by which time  the main design features have been chosen by the 
aid of detailed  engineering studies and preliminary model experiments,  and the scope for design modifica- 
tions has been narrowed considerably.     A process  of  continuous  technical validation will  commence, 
involving intensive  theoretical and experimental R & D  on selected main aspects, using models  generally 
representative of  the proposed design.    The main factors  contributing to aircraft drag,  including manu- 
facturing standards  and excrescences,  should now come under scrutiny and form the subject of  studies  and 
calculations.    In this  stage, it  is essential  in practice to prepare the drag estimates by a process 
involving their  synthesis,  rather than a simple summation, necessitating clear definition of  the deriva- 
tions or assumptions  for all the important elements, with care taken to avoid significant omissions and 
double accounting.     It will also be necessary to repeatedly update and review the drag estimates  as 
improved information becomes available,  and to take any necessary corrective action.    The preparation of 
detailed drag estimates also facilitates the stipulation and maintenance of design sub-targets  for  the 
main aspects,  consistent with the main target.    In fact,  the ability of design organisations  to meet the 
overall  target depends  essentially on the technical management  being able to control  and monitor  the 
entire R&D process by means of well-judged  subsidiary  targets.     The estimates should therefore 
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incorporate  the  considered view of the design  team on its  ability to detect  and  limit drag growth, 
involving  a detached  assessment of  the general design and manufacturing  standards which can be achieved 
and justified on economic grounds. M 

As the detailed R&D process  leads  to a determinate aircraft design, which represents  a near- 
opiiniuui praciicaJ.  coiupi'ornisc,   cue process ot  VS-^XUSVI-OM  ^ccontcs  mcrcasmg^y more uCi.ui.'.Cu G"^ 
specialised.    There  is  progressive elimination of  areas  of doubt, with the replacement of  assumptions 
and estimates by predictions  supported by experimental data.     Throughout  this development  period,   it  is 
obviously necessary  to provide a format  for  the drag prediction model which can readily accommodate  the 
constantly-changing sources  of  drag data which become available.    The precise composition of  the drag 
(and other)  predictive models will need to alter with the accomplishment of  the various R&D  tasks;     the 
adequacy of  the model must therefore be kept  under  continual  review.     Before  the first flight of  the 
prototype,   the spread of  the bounds of  the drag estimates  should have been reduced  to that associated 
with residual uncertainties  in the interpretation or extrapolation of test data on specific experimental 
models,  and second-order doubts  about  the application of prediction methods. 

Once reliable prototype  flight  test data is 
interpretations have been undertaken to disentangl 
when,   as  it  is  to be hoped,   the  inferred drag  lies 
near   to the  lower bounds.     Such are  the problems o 
section 5)   that  this   is  rather an idealised view o 
emphasis will be on overall  comparisons  of   (thrust 
attempted,  but usually only when improvements  are 
diagnostic approach under pressure can be expected 
some  critical arguments  as  to whether an apparent 
rather than excess aircraft drag. 

available,   and the necessary, often controversial, 
e  thrust  from drag,  there comes  the moment of  truth 
within the bounds of the final estimates, preferably 

f flight thrust determination at prototype stage (see 
f wh&t  is  likely to  transpire.     In practice,   the main 

drag) with expectation.     Drag analysis may be 
found  to be  necessary,  in which case a hurried 

(see section 5). There may well arise at this point 
deficiency  should be debited to engine performance. 

From this point onwards, subject to the completion and pr 
tion which are necessary, we enter the third stage in which the 
aircraft in its main configurations over a full range of flight 
by analysis and interpretation of the prototype test performanc 
involved, calibrated by reference to the measured prototype per 
Some of the more elusive elements of the drag estimates can be 
stage (for example, external stores and certain types of excres 
will now be dictated by the degree of confidence of the aircraf 
engineering quality control standards which can be maintained, 
the prototype and the production aircraft, and by a critical as 
test data. 

oving of  any unforeseen design modifica- 
guaranteed performance  for  the production 
environments has  to be estimated,  mainly 

e.    A new predictive model will  be 
formance at selected datum conditions, 
checked directly by flight  test  at  this 
cences).    The tolerances  in the  estimates 
t and engine manufacturers  in the 
by the  scale of  the differences  between 
sessment of  the accuracy of  the  flight 

2.2      The  figure-of-merit concept 

One principal use for a good drag estimation method is in the provision of fair and meaningful com- 
parisons of the overall cruising efficiency of different aircraft designs. Haines* has argued the merits 
of using the parameters :- 

Pt 

C    - C D D. 

pr 

CD " S. 
and (1) 

where    C„ the - C  (1  + 6)/(ITA)    is a theoretical allowance for vortex drag coefficient;    0, is 
i pr 

estimated profile drag  coefficient   (skin friction + form)  for   a streamlined  aircraft with fully-turbuient 
boundary layers,  and    C_      is  the estimated  flat-plate skin-friction drag assuming fully-turbulent 

boundary layers,  both preferably evaluated at the design Mach number and lift coefficient.     The  choice 
between   E        and    E_     is finely balanced, but    E        represents  a more realistic choice since it relates 

pr F pr 
achieved drag with that theoretically possible with a fully-streamlined aircraft (i.e. with minimal air- 
craft flow separations) of the same general shape. It is emphasised that significant problems attach to 
the provision of the minimum profile drag estimate for a streamlined sweptwing aircraft at elevated Mach 
numbers. Also, it should be borne in mind that the datum is nominally associated with fully-turbulent 
flow, which may be inappropriate for the design under consideration. Nevertheless, this concept is con- 
venient and practical. 

In order  to avoid superficiality,  its  use should be accompaniei'  by a critical  assessment  of  the 
sources of drag.     We  recall  that  it was demonstrated* that values of    E        of   1.25 were rarely bettered, 

whilst values in excess of  1,50 could occur on similar designs.    Of course,  if a design team is merely 
prepared to settle for an 'acceptable' value of, say,   1,25,  for other  than economic reasons,  then this 
could lead to an undesirably-complacent attitude.    There is  little doubt that there is still considerable 
scope for improvement  in drag standards, but this will only happen if designers challenge all avoidable 
sources of drag,  relative to the fully-streamlined datum,  and if  1ow drag levels are stipulated as  a 
major design aim throughout.    Further,  it is of course possible ti achieve significant areas of  laminar 
flow, possibly through boundary-layer control.    In addition,   the.e is a need to distinguish between 
average in-service standard and factory-fresh condition. 

. 

2,3      General  »remarks  on drag prediction models 

An essential tool  for each design group is a methodology which accounts for the known drag of 
existing aircraft designs.    This will need to be more sophisticated and detailed than a simple  figure-of- 
merit  assessment method for each new design,  though such an approach will probably form an important 
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element  in the early  selection process.    From consideration of   the second  stage of  aircraft drag predic- 
/./ tion,  it  can be  seen that a synthesis approach  is   to be expected,  based  jointly on analysis and  on 

research results. 

Over a period  of years,  for  established categories of  aircraft and  engines  there will  accumulate a 
considerable body of data from ad hoc model and aircraft  tests  of varying quality.     It  is  common  for  the 
flight test data to be analysed by the drag polar method', within limits  set mainly by  thrust determina- 
tion considerations   (see section 5),   the deduced drag being attributed  to various  causes.     A combination 
of experience and  intuition,  supported by theory and model-test data, will be used  in this  interpretative 
process.     Clearly,   there  is considerable scope for drawing  the wrong inferences,  and  the procedure  is 
necessarily rather subjective.    The resulting design charts  need  to be updated to reflect possible design 
advances and it  is difficult  to  assign accuracy  limits with  any degree  of confidence.     Even with  closely- 
related members  of  a given aircraft  family,  significant predictive errors  are found  to occur  ,   illustrat- 
ing the  inherent dangers of an essentially empirical  analysis process which is not  accompanied  by  adequate 
physical understanding. 

A prediction method obviously needs  to be anchored by  reference to selected  flight  test data,  since 
only in this way  can we  be sure  that the overall  aircraft  characteristics  have been taken into  considera- 
tion and also since  certain factors,  such as  roughness  and   some  types of  excrescence,  cannot  be  fully 
represented in model  tests.    However,  it is not possible to achieve a progressive drag breakdown by com- 
ponents,   as  in model  testing,  and  there will be undesirable  restrictions  in flight  test on the  ranges of 
important parameters   (see  section 5).    Even if  the  resulting drag model  is basically sound,  it  seems 
questionable whether prototype  flight drag data  is ever sufficiently accurate and  comprehensive  enough to 
validate  the mc'el  for widar use.     It is  therefore argued  that  aircraft drag prediction methods   should not 
be constructed essentially around empirical  analyses of  flight data.    Of  course,  appreciable difficulties 
are involved  in the  interpretation and extrapolation of model-scale  tests  to full-scale  conditions   (see 
section 4),  so  that  strong objections can also be raised against  a method mainly based on empirical 
analysis of ad hoc model  tests.    Admittedly, by a judicious  combination of progressive ad hoc model  tests 
and specialist  experimental  investigations,  together with selected flight  test data on the  same configura- 
tions,   an improved  empirical method  can undoubtedly be devised   of   considerable practical value^  in the 
design of evolutionary  types of aircraft. 

Nevertheless,  a  clear distinction must be drawn between basically-empirical  approaches and  those in 
which model and  flight  test data are interpreted within a comprehensive  and logical  synthesis  framework, 
essentially founded  on  theory and  supported by  carefully-designed and executed aimed research in key 
areas.     It should be  stressed that  the R &    D work undertaken  in support  of specific projects  could play 
a much greater  part  than it does  at present  in the improvement  and validation of theoretical design 
methods,  but only  if  such  tests  are designed  and  executed with  this  object  in mind   (see sections   4  and 5). 
It is also tempting to suggest  that  such a disciplined and  critical approach to project-oriented  R&D 
would  lead to a reduction in the duplication and  repetition which often seems to occur. 

Considering how better predictive methods  should be developed, we  can first reject  as no  longer 
appropriate a simple  classification of aircraft drag  into  components  independent of,  and dependent  on, 
lift.     In view of   the  considerable advances  of  aerodynamic  theory,  one  is  encouraged  to examine   the 
possibility of  a more enlightened  approach in which the synthesis of drag  is achieved by  compounding 
elements  arising  from different basic causes,  associated more directly with the nature of  the  fluid 
dynamics.     Providing  that  adequate understanding and quantitative methods  are available  to allow reliable 
and consistent modelling of all  the  significant  contributions   to an acceptable level of  reliability,  this 
would constitute  a practical method.    Even if,  as  at  present     some elements can only be  estimated  to a 
limited  accuracy,   perhaps  in a semi-empirical way,   there  is much  in favour of guiding  future research 
towards  this aim and  tabling a declaration of  future intent   to develop  a complete drag estimation method, 
secured within a  consistent  theoretical framework. 

A convenient basic breakdown of drag from the  fluid mechanics  standpoint is  set out  in Fig.l. 
Viscous  drag is  manifested by a reduction in streamwise momentum in the wake, whereas vortex drag  is 
associated with  transverse components of momentum in  the wake  flow.     In principle,   then,   it  is  possible  to 
differentiate between  these components by means  of detailed  studies of  the wake behind a model.     As  far as 
wave drag is concerned,  on physical grounds  this  is most  satisfactorily associated with entropy  rise 
through the shock wave,  but this  is not particularly helpful  in practice.     Neglecting form drag  and 
assuming  small  lift  forces, wave  drag can appropriately be  identified with pressure drag,  a convenient 
and common assumption  in  the analysis of experiments.     Linear  theory offers a neat  discrimination  in  that 
wave drag appears  as  streamwise momentum cortvected  laterally,  whereas vortex drag is  energy convected 
downstream. 
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Fig.l     Components of aircraft drag 



For an approach based on  fundamental origins of drag  to  succeed,   it  is most  important  to be able   to 
differentiate between the different sources of drag  in experimental  research.     In this  connection,  we 
wish to draw the attention of  the Conference to current  fundamental research at RAE,  concerned with study 
of   the composition of  the wakes  behind selected basic  shapes  at  low freestream  speeds, which aims  to 
examine the validity and practicality of  identification by wake analysis of viscous and vortex drag.     The 
potential importance of  this  technique  is not thought  likely  to lie  in the routine analysis of  specific 
aircraft model wakes,  but  rather  in the prospect of  improved understanding of  selected problems   (such as 
the  threedimensional drag of non-planar wings under high-lift  conditions). 

As regards theoretical methods for  aircraft design,  the  inviscid compressible flow about generalised 
streamlined wing-body combinations  for well-attached  flows  can already be calculated and  allowance made  for 
viscosity effects by boundary-layer growth  calculations.    There  seem  to be excellent prospects of  extend- 
ing  threedimensional wing-design methods  to cope with the shockfree mixed flows  appropriate to super- 
critical wings.    Further,  at   least to a  first approximation,   allowance can be made for the presenc«.  of 
engine nacelles and probably  the  interaction effects,  on the assumption of a well-optimised installation 
avoiding significant  flow separations.     Therefore, we are certainly close to  the position where  realistic 
low targets  can be set  for profile drag,   appropriate  to the datum streamlined sweptwing transport  aircraft 
involved in  the  figure-of-merit  approach,   even though we cannot expect  to be  able  to deal  in similar  con- 
fidence with adverse  engine  installation and excrescence effects,   two of the main causes^ of supplementary 
drag for such aircraft. 
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2.4      Recommended  future procedure for  drag prediction models 

It seems,  then,   that an improved framework should anticipate  the progressive introduction of 
theoretical methods.     For  the  foreseeable  future,  it  is reasonable  to expect  that drag estimates will  be 
built up by a process  of synthesis^,  involving the summation of the estimated  contributions of  individual 
elements  arising from the different  causes  of drag.     In general,   there will be  significant  interference 
between the  flow fields  of  the various  aircraft components,   and  the way in which these are accounted  for 
needs   careful   consideration.     In this  context,  interference drag  is  defined as  the drag which results 
from modifications  in  the growth of  the boundary layer due  to  the proximity of   the components,   together 
with the drag due to redistribution of  the trailing vortex system. 

It  is  therefore recommended  that  the aircraft  is built  up  in a standard order, aerodynamically 
speaking,  so  that,   as  each component  is  added,  its  interference  effects on the  components already present 
are  included, with the  important  exception that the wing and  fuselage are considered together in the 
estimation of vortex drag.     The  following order of build is  suggested:- 

(a) Wing drag,   including  the effect of  the presence of  the  fuselage on vortex drag; 

(b) Fuselage drag,   including  the effect  of the fuselage/wing interference on wing and fuselage profile 
drag; 

(c) Fin  (vertical  stabiliser)  drag,  including fin/fuselage  interference; 

(d) Installed drag of  the propulsive  system; 

(e) Tailplane  (horizontal  stabiliser)  and trim drag,  including  tailplane-fuselage interference; 

(f) Drag due  to surface  finish and excrescences,   including  cavities  and  leak  flows; 

(g) Drag of external  store  installations; 

(h)      Wave drag; 

(i)      Contingencies,  principally to cover airframe manufacturing  tolerances. 

Wherever possible,  the  estimates  should be based on validated theory or  semi-empirical analyses of 
systematic experiments.     The data items  of ESDI) form an important  element of  such a procedure   (see 
Appendix)  although important  areas of omission are  evident  as  of  the present.     In practice,  it may be  con- 
venient to rearrange the items on the lines of the ESDU classification (see Fig.Al).    The approach is 
basically well-suited  to the incorporation of theoretical advances.    Equally,  specific experimental 
information can be inserted as  this becomes available.    There is  an obvious need to watch for omissions 
and double accounting.    Particularly difficult is proper provision for the complex interactions which  can 
occur, especially in connection with engine and store installations. 

It  is here appropriate  to consider briefly the effect of computers on the form of  aircraft drag  and 
other prediction methods.    Increasingly,   the complete aircraft design process  is being computerised^. 
Thus,  it can be assumed  that  theoretical  advances and analytical methods will  normally be available in 
this form.    The detailed geometry of committed designs will  certainly be stored by computer.    The intro- 
duction of computer design aids  including interactive graphic techniques linked directly into  the 
production process   is   taking place at a  fast rate.    Methods are  already available for  the calculation of 
complex missions,  including  the optimisation^'^ of flight path,  and for preliminary design appraisals  of 
the whole aircraft''.     It  is   to be expected that optimisation methods will quickly become available  for 
subsidiary aspects  of  the design;    for example,  the optimisation of  engine installations'^.    There are no 
real problems in preparing computer programs representing existins» prediction methods  (at least where 
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these are robust and  logical  enough  to survive critical  examination).     It  is attractive and  possible  to 
allow a more detailed representation than previously,   still with a significant reduction in  turn-round 
time.    As regards  theoretical design methods,  sometimes  these can be incorporated directly as  sub- 
routines  in the total  design procedure.     However, particularly where  an iterative optimisation  is  to be 
effected,  it will be preferable  to avoid direct use.     Instead,   the results of  systematic application of 
the design method,   if accompanied by adequate understanding,   can be used to provide an analytical 
generalisation of  the results  in terras of  the main design parameters, within prescribed limits:     the 
computer-age equivalent of  the classical  design data sheet.     Thus,   the results  of  the design method may 
be  represented by a matrix of values  in  terms of the design parameters, with provision for interpolation. 
The  complete design or mission program  tends  to be built  up  from a set of  linked modules,  some 
theoretical,  some analytical,   and some  representing empirical  generalisations or  assumptions, with 
provision for directed sequential use. 

One of  the main effects  is  seen to be an increasing need for the early presentation of  theoretical, 
experimental  and analytical  advances  in  the form of compact programs, valid within specified  limits  and 
specifically written to be suitable for incorporation in existing complex design procedures.     Such 
programs need to be designed   to be self-sufficient, with standard interface arrangements,  so as  to 
facilitate their integration  into existing  complex programs  and eventual  replacement by improved versions. 
More  than ever it will be necessary  to subject  the outcome of  the complete design process  to  critical 
judgment.    Thus,   it will  be  important  to display detailed drag breakdowns  and their variation during any 
optimisation process,   to allow  the designer  to appreciate  fully what  is  happening  and to avoid 
unacceptable design excesses.     However,  it will not be possible  to validate the model in any complete 
sense,  although detailed engineering studies on selected configurations will  act  as control  daturas.    As 
computers are not renowned  for  commonsense,   this responsibility will  continue  to  reside in  the design 
team,  probably weighing increasingly heavily as more reliance  is placed on the use of computerised design 
selection methods. 

SOME  SPECIFIC DRAG  PREDICTION PROBLEMS 

3.1       General  remarks 

The set of surveys which  follow are intended to highlight  the main problems  which arise in  the 
prediction of  the drag of   selected types of aircraft and  their engine  installations   (sections  3.2  to  3.6) 
and also to consider  certain special  aspects,  namely  trim drag   (section  3.7),  drag  at high  lift 
(section 3.8)  and excrescence  drag  (section 3.9).    Each  section represents  the  considered view of a UK 
specialist;    although  the  separate contributions have been subject  to  editing and  some rearrangement,  it 
is hoped that  their individual   flavours  have been retained. 

By way of  introduction  to  this section,  it seems  desirable  to discuss briefly the relative magnitude 
of  the drag contributed by  the different  components of  the aircraft  and by the different basic causes of 
drag.    Typical drag breakdowns  are shown  in Fig.2, prepared  from studies made at   the Cranfield  Institute 
of Technology.    Considering  first  the  supersonic civil  transport   (see  section 3.2),  at cruise the skin 
friction,  zero-lift wave drag  and  total  lift-dependent drag each  typically contribute about  30% of  the 
drag, with the remainder mainly  attributable  to engine  installation drag   (see section 3.5)   and  to 
excrescence drag   (see  section  3.9).    Much  the same applies  for a streamlined strategic bomber or  a super- 
sonic  strikefighter aircraft   (see Fig.2).     For essentially non-slender  supersonic  strikefighter  aircraft 
(see  section 3.3),   the prediction of wave  drag is of particular  concern.     The prediction of  the drag of 
external store installations   is of major  importance for  small military  aircraft,  as  is the prediction of 
engine  installation  and rear  fuselage drag effects  (see  section 3.4). 
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For long-range subsonic  transports 
estimation of wing profile drag and the  1 
importance;    these aspects  can  together a 
military strikefighter  at  high subsonic s 
become predominant.     However,  engine inst 
accounting for   10% or more of   the  cruise 
proportions,  typically being responsible 
datum aircraft.    As regards   the  effects  o 
increase the high subsonic  speed  drag of 
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Trim drag is  significant  at  cruise and at high lift, particularly  in the comparison of different 
aircraft concepts   (see section 3.7);     it  needs  to be calculated carefully. 

Under high-lift  conditions  appropriate to take-off and  landing   (section 3.8),   lift-dependent drag 
forms   the major  component of drag and can reach 85% of  the whole   (see Fig.2). 

The relative magnitudes  of  the different drag terms  are obviously  important  in themselves.     However, 
the order of the uncertainty of  each significant component of  a drag synthesis also needs to be con- 
sidered,  particularly where  the  contribution can be reduced or  avoided  altogether by design  choice.     Such 
considerations  imply a need  for  a broad,  persistent attack on the understanding of  aircraft  drag and its 
prediction;     there are  few aspects of aircraft drag estimation with which we can afford to be  satisfied 
at present. 

3.2      Slender-wing aircraft 

Based on a contribution by J.B.W.  Edwards, RAE. 

3.2.1     Introduction 

In the absence of a precise definition of what is meant by a  'slender' wing,  the term is here taken 
to refer to wings of low aspect ratio, which are designed to operate with the airflow separated from the 
leading edges  forming conical  flows over  the upper surface.    This feature dominates  the flow pattern at 
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low speeds but will  also be present  at most  flight conditions,  supersonic  and  subsonic,  provided that  the 
leading edges are restrained to  lie largely or entirely within the Mach cone.     Such controlled flow 
separations distinguish slender wings from conventional swept wings and lead to special problems in drag 
prediction.    For uncambered wings with sharp leading edges,  this separated flow pattern is formed as soon 
as  the incidence sensibly departs  from zero.     By cambering the wing  (e.g.  by drooping the leading edges) 
the onset of separated flow can be delayed until some significant  incidence is achieved, so that the lift 
coefficient for optimum    L/D    ratio  is correspondingly  increased.    This design feature is valuable as a 
drag reduction mechanism, but it complicates the estimation of drag.    Accordingly,  consideration will be 
given firstly to uncambered wings,   the effects of camber being discussed subsequently.    The lack of 
generalised quantitative methods for calculating flows with leading-edge separations is, perhaps, the 
major stumbling block at present  in slender-wing drag estimation;     this,   in turn,  means that one has  to 
rely largely on correlations of experimental data. 

3.2.2   Definitions and drag breakdowns 

Slender-wing planforms  are generally described by the following geometrical parameters:- 

,2 
aspect ratio » 

(28)' 

planform parameter = -r—r- 

s/H - semispan-to-length ratio 

S » planform area 

In addition, the following generic terms are used:- 

Gothic:- planforms with convex leading edges; 

Delta:-  planforms with straight leading edges; 

Ogee:-   planforms with leading edges having a point of inflexion. 

The basic drag breakdown considered here is:- 

total drag skin-friction drag + zero-lift pressure drag + lift-dependent drag (2) 

For a complete  aircraft  configuration  there would,  of  course,  be  additional   terms  such  as  trim 
drag,  engine installation drag,  excrescence drag etc., which are not  considered  further.    To illustrate 
the relative magnitude of  the three main terms, a typical drag breakdown for  a supersonic transport 
slender-wing design at cruise at    M = 2    and in the take-off conditions is as  follows:- 

(a) For    M ■ 2    cruise,   the  skin friction,  zero-lift pressure and  lift-dependent drags  each con- 
tribute about  30% of the total,  the remaining 10% being attributable to engine installation drag and 
other smaller items; 

(b) At  take-off,  the  lift-dependent drag is  all important,  as much as  85% of the total, whilst 
skin friction accounts for  7%,  zero-lift pressure drag is  less  than  1%,  and engine installation effects 
and  trim drag are largely responsible for  the remaining 7%. 

3.2.3    Drag prediction methods 

(a)    Skin-friction drag 

Experimental studies of  the surface flow patterns on slender wings show that when the separated 
flow pattern is established the streamlines on the upper wing surface-are far from streamwise under the 
conical flow regions near  the leading edge, while associated measurements  show large variations in 
boundary-layer  thickness  and,  hence,  in the local skin-friction coefficient.    For estimation purposes,   it 
would be quite impractical  to attempt to estimate the local skin-friction coefficients and flow direc- 
tions in detail,  in order  that an integration of the forces could be made.     It  is therefore usual  to 
assume that flat-plate skin-friction formulae can be applied over  the whole wetted area.    Although this 
is  an approximation,  it is not altogether unreasonable.    Firstly,  the upper wing surface, where the main 
departure from streamwise flow occurs, is perhaps no more than one-third of the total wetted area of a 
slender-wing/body combination.     Secondly,  the pattern'3 of skin-friction coefficient under the vortex 
flow is one of peaks and troughs which roughly average out to the mean value expected in streamwise flow, 
when considered in conjunction with the wing lower surface values. 

A convenient form of skin-friction coefficient for use in slender-wing estimation, which is valid 
for 0.2 < M <  2.8,  is that given by Winter'*.    The compressible skin-friction coefficient,    C_  ,    is 
given in a simplified form suitable for project estimation, by:- c 

^MH 2.625 (3) 

for fully-turbulent flow conditions , 



where v tl + 0.2M  and F, = 1 + 0.056M ; Re is the Reynolds number evaluated using a local mean 
CO 

chord  and   freestream   conditions.     Because of  the rapidly-varying chord of  the wing across  the span,   it 
is necessary to consider strips  of wing rather narrower  than is usual  for  swept  wings  in order to assign 
local mean chords with sufficient  accuracy. 

~4 C-7 

Corrections should be made  to the drag evaluated  from this  formula  to allow for  likely areas of 
laminar flow and also  (in the  case of supersonic speeds)  for departures  from the zero-heat-transfer con- 
dition for which  the above expression is valid.    As an illustration of  this   latter correction,   for 
Concorde at    M =  2    non-zero heat  transfer  conditions on areas  of  the  skin which  are maintained cool  by 
being in contact with the fuel  cause an increase in skin-friction drag of only about   1% and,at lower 
speeds,   this effect is negligible;     laminar flow corrections are usually neglected. 

(b)    Zero-lift pressure drag 

At low speeds this term, as we have seen, is very small and can be estimated either by following 
sweptwing aircraft prediction practice or by suitably factoring the skin-friction drag. At supersonic 
speeds,   this  term is identified with  the  zero-lift wave drag, which now is  represented usually by means 
of a  zero-lift wave drag factor. 

0* 
defined by the expression:- 

128 V 
Do W i.  s 

(4) 

where    V = aircraft volume    and     I = overall  length of  the wing-body-fin combination.     There is a great 
deal  of  literature concerned with the calculation of the zero-lift wave drag of slender wings;     the basic 
theory'-*»'" has been supplemented by papers  on numerical methods  for evaluating drags'^>'°. 

The calculations  involve  the first and second derivatives of  the  longitudinal area distribution, 
which,   for realistic aircraft  shapes,  cannot easily be obtained sufficiently accurately.     For shapes with 
reasonably-smooth area distribut^ions  (which desirably will be  the  case,  since smoothness  is a requirement 
for   low drag)  the methods  are reliable but,  for purposes  such as generalised project studies,  they can 
prove rather cumbersome.     If a value of    K.     is  calculated for  a representative  datura shape,  then one  can 

argue  it  is reasonable to obtain  the drag variation for  small departures   from the datum geometry by 
assuming    K.    remains constant  and applying the volume,  length or area changes  in the expression above. 

Similarly,   the effect of changes  in Mach number from that  of  the datum-shape  calculations  can be 

adequately estimated.    Theoretical  studies  show that    Kn    varies with     log  3s/£,     where     ß 
0 

and experimental evidence confirms   this  trend.    A typical variation of 
follows:- 

-tf I. 

K0(M) 

K^    with Mach number is as 

■ xj'"0,29108^} (5) 

which was derived by fitting a curve to a collection of theoretical and experimental data for SST-like 
slender wings and wing-body combinations.  The data on which this expression was based suggests that it is 
valid for 1.2 < M < 2.5. 

Such simple formulae for departure from a known datum are useful but do not form an adequate substi- 
tute for comprehensive calculations.  For project study work, there is a need for simple ways of evaluat- 
ing zero-lift wave drag;  such methods need to be able to deal with realistic aircraft shapes, where the 
area distribution and its derivatives are not as smooth as one might wish. Current UK research at 
HSA Brough (see section 3.3) may help in this respect. 

(c) Lift-dependent drag at low speeds 

In the absence of satisfactory methods for calculating the flow with leading-edge separations, the 
estimation of lift-dependent drag has inevitably to depend on the analysis of experimental data. In the 
last few years at RAE, the effects of changes in various geometric parameters of slender wings have been 
investigated carefully by low-speed wind-tunnel experiments, in which one parameter was varied at a time 
in a systematic manner. Kirkpatrick and Kirby'9 have analysed the renults of these tests and presented 

data on the induced drag factor,  K  (• "ACC- - C )/C, j together with information on the distance, h , 

of the aerodynamic centre from the centre-of-atea. The centre-of-area gives some guide to the centre-of- 
gravity position, so that h  is a measure of the difficulty of balancing the wing, and thus is indica- 

tive of the trim drag which is likely Co be incurred. 

Parameters covered in the study included aspect ratio, planform (ogee, delta or gothic), and thick- 
ness-chord ratio. Values for K and h 

n 
are given at values of C  of 0.3 and 0.2 appropriate to 

L 
take-off and landing and subsonic cruise respectively.    Fig.3 presents some results for    C   ■ 0,5. 

Analytical expressions can be fitted to the data if required.    One geometrical parameter not so far con- 
sidered is variation of section shape for a given maximum thickness.    This can be quite significant,  for 
the leading-edge vortices  induce high suction forces  locally associated with  the non-linear component of 
lift;     if these suctions can be  located on forward-facing surfaces,  a component  in the thrust direction is 
obtained giving a drag reduction.    Kirkpatrick and Kirby'9 demonstrated this effect, achieving drag 
reductions of up to 9Z at    C    « 0.5;     they suggest that more refined design    methods  could lead to 
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.— 



C'/o reductions of,  perhaps,  double this amount.     This  is,   therefore,  an area where  further work is justified, 
both on the design methods and on the prediction of  consequent drag changes. 

It  is stressed that the above analysis applies  to uncambered wings  in isolation.    Some guidance on 
the effect of adding a body to such wings  has been given by Kirby^O,    ^j  iow  incidences,   the body produces 
linear  lift,  cancelled out by  an equivalent  loss  of  lift on the wing, with no nett  effect on the lift- 
dependent drag coefficient.    This situation still holds at incidences of interest  for  take-off and land- 
ing but,   at a higher incidence still,  body vortices  are formed which augment  the non-linear  lift and  lead 
to a small  increase in induced drag. 

The majority of experimental  evidence on slender wings  is for planforms having unswept  trailing 
edges.     It was  found^l  in the early days  of  slender wings that trailing-edge  sweep had an adverse effect 
on the  zero-lift wave drag at supersonic speeds,  so that effort has been concentrated on unswept trailing- 
edge planforms.    These considerations  do  not preclude the use of such planforms  for purely  subsonic 
applications.    Kirkpatrick and Hepworth^ have presented sufficient evidence on the  effects  of  trailing- 
edge sweepback  (at constant span)  to enable a reasonable estimate of the effects  on drag at  low speeds to 
be made.     Positive sweepback reduces  the plan area which gives a reduction in skin-friction drag and 
increases  the aspect ratio so  that  small  reductions  in lift-dependent drag can result,  leading to a 
favourable effect on the lift-drag ratio.     However, more difficult balance problems  tend to arise with 
such planforms. 

(d)    Lift-dependent drag at supersonic speeds 

For uncambered wings at supersonic speeds and at incidences away from zero, there w 
separations occurring over the upper surface which preclude at present an adequate theore 
evaluating the drag. A useful correlation is due to Courtney^Jj who found a linear relat 
the lift-dependent drag factor, K, as defined previously, and the parameter, (l/2p)(Ss/ 
lift coefficients of around 0.1 appropriate to cruising flight at supersonic speeds. The 
K = 0.75 + 2.55((l/2p) (ßs/s,)), is a particularly-good fit for wings with streamwise tips, 
value for delta wings is a little higher, as can be seen in Fig.4. The line fits data wi 
(l/2p) (8s/ll) from 0.3 to 0.8 or even higher; for typical slender-wing configurations, th 
numbers extending roughly from 1.4 to 3.0. The data was derived from tests on isolated w 
fuselages and restricted to planforms with unswept trailing edges. If shapes with discre 
considered, the length, 8,, in the above expression should be taken as the length of the 
(rather than the overall length, as in the case of the zero-lift wave drag calculations), 
speeds,   the influence of  the body  is  then not  appreciable at  low incidences. 

ill be flow 
tical method for 
ionship between 
8,),  valid  for 
expression. 

The average 
thin the range of 
is  implies Mach 
ings without 
te  fuselages  are 
lifting surface 

As at subsonic 

Now,   the usual  form for expressing    K    is given by supersonic  flow similarity  considerations as 
2 

K = K    +  2(ßs/!,)  K ,    where    K      and    K       are  the vortex drag and wave drag due  to  lift respectively.     In vw vw a r i 
the  absence of  changes  in    K      and    K  ,     the value of    K   would thus be  independent of    p.     Comparison of 

the expression with  the above  correlation  implies   that    K       or     K  ,    or both, must vary with    p. 
v      w 

Qualitatively, this is what one would expect; as p is reduced to yield ogee wings, both the span and 
chord loading depart further and further from the elliptical distribution with inefficient load carried 
near the apex and near the tip which, in turn, would be expected to lead to higher values of K  and K . 

(e) Drag at  transonic speeds 

Little effort has been devoted  to  estimation methods  at  transonic speeds,  partly because of  the 
difficulty  in applying theoretical methods  close  to  the speed of sound, but  also because  available experi- 
mental  results  suggest that slender wings  are well-behaved in this  speed regime,  with a very smooth 
transition from the values at subsonic speeds  to those at low supersonic speeds  in the case of the  lift- 
dependent drag.    The zero-lift  pressure drag also  appears  to behave  reasonably, with almost no drag 
increase at high subsonic speeds  until  the onset  of  the transonic drag rise,  which generally begins  at 
Mach numbers  in the range 0.95 to 0.98.     The wave drag, which peaks at    M =   1.10 to  1.15,    by    M =   1.2 
approximates  to  the values  given by  conventional  supersonic wave drag calculations^.    This state of 
affairs may sound rather haphazard as  a basis  for  drag estimation and would certainly be  unacceptable for 
the design of an aircraft to cruise at  these speeds.    For  truly supersonic aircraft, however, it is of 
reduced  importance for,  as  it  is a  zone  of high drag,  supersonic  transports  need  to be designed with an 
excess  of  thrust over drag so they  can climb and  accelerate quickly and economically  to their cruising 
speed;     small errors in the transonic drag estimate  therefore would be of relatively minor consequence at 
the project  definition stage of  a design. 

(f) Effect of camber on drag 

The estimation of  the drag of  a generalised  cambered slender wing  is  hardly  feasible,  since  the 
possible camber shapes are infinite,   and  cannot even be simply expressed in terms of a few geometrical 
parameters.    Camber shapes  are generally designed  to give an attachment  line  along  the  leading edge,  so 
that  flow separations  are suppressed  except  from  the  trailing edge.    This  state of  affairs  can only exist 
at one  incidence for sharp-edged wings,   although the lift and drag vary smoothly near this design point. 
At  a given lift coefficient,  the minimum-drag member of the  family of shapes  of  given planform is  the one 
cambered such that  the leading edge is  an attachment  line at  that  condition;     thus,   there  is  considerable 
interest in the design of such wings and  their associated drag.    Design methods  for supersonic speeds are 
available" and the  lift-dependent wave  drag  for attached-flow conditions  can be evaluated numerically by 
means of  the theory of Adams and Sears 26. 

25 
The other part of the drag due  to  lift,  the vortex drag, can be obtained by  slender-wing theory 

For  lift coefficients away from that  for  attachment,  uhere are no adequate  theoretical  treatments or even 
experimental correlations.    There are,  of course,  results available for certain specific cambered wings. 
These  suggest  that  the reduction in    K    at attachment due to camber from that for  the equivalent plane 
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wing  is maintained  for a limited range of    C       to either  side but that, well  away  from the design    C  , 

the value of    K    tends to approach  that  for  the plane wing. 

At  subsonic speeds  the situation is very much the same.     Camber designs  can be derived which give 
leading-edge attachment at a specified  lift  coefficient and, again, a specified  load distribution and 
centre-of-pressure position can be achieved.     Surface pressure distributions  and drag can be  calculated. 
At  supersonic speeds,  the cruising  lift coefficient could be used as  the design  lift coefficient  for the 
camber  to  ensure  low lift-dependent drag over all  the  likely range of  cruising  conditions.     However,  at 
subsonic speeds  the operating range of    C      will be  larger, varying from a low value at  subsonic cruise 

speeds  to high values for take-off and  landing.     There is,  therefore,  considerable interest  in drag 
estimates  for cambered wings operating above  their design conditions.    Unfortunately,  the situation 
regarding estimation techniques for off-design  conditions  is no better than at  supersonic speeds;    the 
same qualitative approach is adopted of  assuming that  away from the design    C       the value of    K    will 

smoothly  approach  that for  the plane wing.     A good example of  the design methods   for cambered slender 
wings  at  subsonic speeds  is  given by Davies".     Experimental evidence showing  that  the design aims are 
achieved,   together with useful information about  the off-design behaviour of such wings,  has  been given 
by Butterworth2^. 

For  a slender-wing aircraft with natural  stability and a fixed centre-of-gravity position,  the 
centre-of-gravity necessarily will be  located  close  to  the  furthest  forward position of  the  aerodynamic 
centre,   corresponding to  low-speed conditions  at high    C  .     In order to  avoid  major elevator deflection 

and  trim drag penaltv at  cruise to cope with the rearward movement of  aerodynamic  centre,   longitudinal 
camber  can be  incorporated  to move forward  the  centre-of-pressure at cruise     . 

3.2.4    Concluding remarks 

To  those who are accustomed  to  the relatively well-developed and comprehensive drag prediction 
techniques  in use  today  for conventional   sweptwing   aircraft,  the position for  slender-wing aircraft must 
inevitably  seem less satisfactory.     Of  course  it  is not  at all  surprising  that   this  situation prevails, 
since  the  slender-wing aircraft  is  still  a relatively new and untried concept   (apart  from Concorde)  so 
that  there  is not  the large pool of  design  information available on which project-oriented studies can be 
based.     By differentiating between what  can and what  cannot be  calculated at  present, we  can hope to draw 
attention  to the  aspects where further work  could most  usefully be  commenced.     Three areas  appear  to be 
of  sufficient  importance to be singled out:- 

(a) Techniques are required for  lift-dependent drag estimates  for  cambered wings  at  lift  coef- 
ficients  away  from the attached-flow value  at  subsonic,   transonic,  and supersonic speeds; 

(b) Simplified methods are desirable  for  calculating zero-lift wave drag,   suitable  for  use  in 
parametric studies  and multivariate analyses,   together with the means  for handling  the not-so-smooth area 
distributions  typical of realistic  aircraft  designs; 

(c) Further studies are needed of  the  effects of adding  fuselages  to slender wings,   since so much 
of  the  information already available  is   for  isolated wings;    an  allied  aspect  requiring further  study, 
which has  not been mentioned previously,   is   the effect of adding engine nacelles  and stabilising surfaces. 

Clearly,  the  amount of research effort which should be devoted to refining  the drag estination 
methods  for slender-wing aircraft must be related  to considerations of  the prospects of new projects 
employing  the slender-wing principle.     However,   sufficient information is needed at  least  to permit 
reliable  comparative project assessments  for  slender-wing aircraft and alternative  conventional designs. 
When such  comparisons show the slender-wing  aircraft  to be a serious competitor   for a particular role 
then it  is necessary to refine the design methods.     Such a study has recently been made^  for which 
sufficient drag information was available  to enable  a satisfactory quantitative  comparison  to be 
established.    One area of deficiency revealed  concerned  the reduction in  lift-dependent drag  that might 
be possible if camber designs for minimum drag at  take-off and  landing,  regardless of  the  implications on 
drag  at  cruise  lift coefficients, were  to be  used. 

Although the high level of effort  in the UK in the late  1950s and early   1960s   (when  the  foundations 
of  slender-wing knowledge were established  on which we  still depend today) has  now abated,   theoretical  and 
experimental work is still proceeding  to consolidate  the  fund of  available  information and  to  improve 
design techniques  for future slender-wing aircraft. 

3. 3      Military strikefighter aircraft 

Based on a contribution by A.J.  Grundy and C.J.  Rafe, HSA Brough. 

3.3.1    Introduction 

This discussion is concerned with drag prediction for »mall strikefighter  aircraft, where the 
canopy  and  the fuselage powerplant result  in a relatively-stubby non-slender  configuration, having some- 
what  ill-shaped  fuselage sections,  to which a variety of external store arrangements is  added. 

- 
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the basic aircraft configuration throughout the subcritical regime can conveniently be 
sum of skin-friction drag,   zero-lift pressure drag and lift-dependent drag.    Naturally, 
le to treat some aspects separately, particularly those connected with the drag of 
nstallations and of excrescences.    Once local velocities exceed sonic,  supersonic 

in general by shock waves arise in a generally-subsonic flow and pressure drag starts 
this increase in pressure drag marks  the onset of wave drag.    As  free stream Mach 
d, so are the regions of supersonic flow, until supersonic flow is  fully established. 
transonic region, although the total drag still can be regarded as  the  sum of three 
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terms,   the situation is much more complicated  and comprehensive mixed-flow theories   are  not  available  to 
form a basis  for  estimation or  analysis.     With  fully-established supersonic  flow,  however,   the  situation 
is  easier  since we  can express  the drag as mainly  the  sum of  skin-friction drag,  zero-lift wave drag  and 
lift-dependent drag.     For  the  type of aircraft  considered here,  the zero-lift wave  drag  is  usually  the 
largest  term, and  its  estimation causes  the most  concern. 

L-V  ., 

It  is proposed  to discuss available methods of drag prediction for both the transonic and super- 
sonic  regions.     Because  zero-lift wave drag  is   the most  important aspect  and a  theoretical   framework does 
exist,  most  of  the  discussion will centre on  this subject.    As  drag is more easy  to predict with  fully 
supersonic  flow,   this  asr^ct will be considered  first.     Engine  installation,  trim,   and  excrescence drag 
will  be  excluded  from direct  consideration here. 

The wave drag prediction methods  currently used  are unsatisfactory.    Both the  Supersonic Area Rule 
and  the Transfer Rule  are employed, but  each specialist has  evolved a personal method of application, 
including  the introduction of  'Bluffness'   correction  factors based on correlations with  experiment.     In 
the  absence of  authoritative guidance on the  degree of application of  theory  to real  aircraft  configura- 
tions,   it  is not surprising that methods have diverged.     Confusion has arisen,  since now no  two workers 
can produce  the  same wave drag estimates  for  a given configuration.    Understandably,   there  is  a marked 
reduction of confidence  in ability  to estimate  the wave drag of specific aircraft  configurations. 

The  accuracy  currently being achieved,   possibly within  15% on total drag with  a mean deviation of 
5% over  the Mach number range,  is surprisingly good in view of the doubts which can be  expressed about 
the validity of some of the assumptions which  are made.     This  encourages  the view that  a more valid 
approach,   supported by a systematic experimental programme and some theoretical development,  could result 
in acceptable accuracy being achieved  for practical design purposes. 

An improvement  in supersonic drag prediction is most desirable to keep the unit  cost of  a military 
project   to  a minimum and to enable performance guarantees   to be given.    The  incentives  are  considerable. 
An uncertainty of  ±12% in drag  for a particular  case was   found to correspond to  a variation in the 
achieved  level Mach number  from  1.33 to   1.62, whilst an  increase in engine thrust by   12%  to offset  the 
uncertainty in drag would have resulted  in a 9%  increase  in all-up weight and unit  cost  of  each aircraft, 
equivalent  to an extra total cost of many millions of pounds, quite apart from the  additional  cost of 
operating a high-drag aircraft. 

3.3.2 Skin-friction drag at supersonic  speeds 

Normal practice is  to use one of the accepted references     '     '      on compressible flat-plate skin 
friction at  the  appropriate Reynolds and Mach numbers  and apply  the coefficients  to  the  relevant wetted 
areas.     However,   the use of  flat-plate coefficients  for bodies  can underestimate  skin friction.    Fig.5 
shows   comparisons  of different methods  of  estimating friction drag on an axisymmetric body at    M =   1.4 
and    Re  =  1.8 x   10^.     The calculated pressure distribution of  the smooth, but wavy,  body  is  indicated. 
The comparison covers  skin-friction estimates  for an axisymmetrical body with the calculated pressure 
distribution and with  zero pressure coefficient,  as well  as  flat-plate skin-friction estimates  for  the 
same  pressure distributions.    The flat-plate  skin-friction drag in zero pressure gradient,   the value 
which would normally be used,  is seen to be  6-7%  low, most of this difference being  attributable  to the 
threedimensional  nature of the flow. 

3.3.3 Zero-lift wave drag at supersonic speeds 

(a)    Theoretical methods of estimation 

The Supersonic Area Rule     '     , which reduces at    M =  1.0    to the Sonic Area Rule     ,  is  the 
commonly-accepted method of estimating zero-lift wave drag.    Another method  is  the Transfer Rule36 which 
can be  derived  from the Supersonic Area Rule with an assumption regarding the slenderness  of  the body. 
Both  of  these Area Rules  are far-field methods,   the disturbance from the aircraft being regarded  as 
arising  from a family of equivalent bodies  of revolution.    A near-field approach37,38 which uses a  distri- 
bution of finite elements of sources, vortices  and doublets for calculating surface pressures,  offers 
improved representation of complex configurations but requires more computer storage capacity and  longer 
run times.     The Supersonic Area Rule is:- 

D(eM) A 
(9M) 

s"(x1eM)s"(x2eM) log L(eM) 

0(6M) 

dX]dX2 (6) 

and 

2TI 

D(M)        _L  f    2. 
q       "    2n   I 

OM) de (7) 

where     S(eM)    defines an elemental area distribution 
S"(X9M>    denotes    d2S/dX2 

0(eM'(    and    L(eM)    define  the    X    limits of  the Mach Diamond enclosing  the configuration 
X ■ dimensional distance. 

Each elemental distribution representing an equivalent body is determined by  cutting  through the 
configuration by a series of parallel tangent planes to the set of cones whose semi-included angle, with 
reference   to the axis of the configuration,   is  the Mach angle    p.    The area used for  the elemental distri- 
bution at each position of the cone apex along the axis  is the projection onto a plane normal  to the axis 
of the area intercepted by the cutting plane.    By rotating the series of parallel  cutting planes around 
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the cones a family of equivalent bodies can be generated at each Mach number, 
figuration is given by the mean of the equivalent body wave drag values. 

The wave drag of the con- 

If the assumption is made that the body of the configuration is so slender that all elemental dis- 
tributions can be considered the same as the cross-sectional area distribution, i.e. independent of both ( 
and Mach number, then the Supersonic Area Rule equations can be expanded in simple algebraic terms-'' to 
yield the Transfer Rule36:- 

D = D(B + A) | D(W) _ D(A) 

q     q   ' q   q 
(8) 

where    W    denotes  the wing system and    A    denotes  the  transferred area distribution  of  the wing  system. 
If further algebraic expansion is performed the equation becomes:- 

D(B ♦ Ä)   .  ^V   t  
D(H2)   t D(A) Dl(W1,W2....) 

(9) 

where    W  , W ,    etc.  denote   each  wing-like surface and    i    represents interference.    This is  the form in 

which the Transfer Rule is comnonly applied,  except that  the interference term is  ignored.     Since the 
fuselages of military aircraft are obviously not  slender,  the use of the Transfer Rule can be argued to 
represent a greater violation of theory than the use of  the Supersonic Area Rule.     Bearing in mind the 
requirement  that   the wing drags,    D(W)/q,     are  found from some other source, mainly by  analysis   of 
experimental results which are not necessarily  free of body interference, use of the Supersonic Area Rule 
is considered preferable.    There is a great need for improved theoretical methods  to be developed 
applicable  to realistic aircraft  shapes;     although efforts  are being made  in both  the  USA and USSR,  no 
working method has yet resulted. 

(b)    Application of methods 

Practical methods exist for calculating the oblique areas  for thin wing-like bodies, which can be 
performed very accurately by modern computers.    Unfortunately this is a formidable  task for an arbitrary 
body,   and,   although approximate computerised  procedures were developed*"  in the USA as   long ago  as   1963, 
a simpler procedure was adopted in the UK.     Since  theory required the body to be slender,  it was  assumed 
that there was very little error in accepting  the cross-sectional  area distribution as being invariant 
with both    6    and Mach number.    As this approach was being applied to military fuselages which could 
certainly not be regarded as that slender,  this assumption could not be justified,  ever  though it did 
comply nominally with the Transfer Rule.    Fig.6  (from Ref.40)  illustrates  that for a body of revolution, 
Slender Body Theory  (to which the Transfer Rule reduces  for a body) is only applicable  for high fineness 
ratios.     From Fig.6,  it would seem reasonable  to infer that only  the Supersonic Area Rule is permissible 
for configurations which have fuselages of low fineness ratio. 

The Supersonic Area Rule can, without exceeding the  limitations of theory excepting the definition 
of  'slender', be applied to a configuration having one or more wing surfaces, symmetrical about both the 
xz and xy planes  and a body with a pointed nose  and either a pointed rear or a blunt base.     In order to 
take oblique cuts  for a more realistic aircraft geometry,  ignoring problems of engine flow simulation for 
the present,  it is  first necessary to select a datum axis which,  presumably, should be determined by the 
zero-lift angle of the configuration.    Although oblique cuts can conveniently be  taken  through a body of 
revolution representing the aircraft cross-sectional area distributions, a more satisfactory method is 
needed  taking better account of the details of  the configuration, yet not prohibitive as regards  computer 
time.     Practical difficulties arise from local discontinuities and steep slopes in the final area distri- 
butions;     preferably these are faired after consideration of the smoothing of the  airflow around  the air- 
craft which would be expected in practice. 

More sweeping assumptions are involved  to cater for engine flow effects.    Since  the introduction of 
Area Rule  concepts,  commonly  the intake air has been represented by a streamtube extending forwards  to 
infinity, with simi' ir simulation of the exhaust.     In calculating the intake streamtube, allowance can be 
made for  the nose an    intake shock systems;    likewise, secondary air can be included in the exhaust flow 
and provision made for area increase corresponding to jet  expansion.    The streamtubes need to be  suitably 
aligned,  in a manner consistent with any nacelle  treatment. 

Although the above process provides a way of extending the Supersonic Area Rule  to real configura- 
tions  lying outside  the bounds of theory,  and permits a consistent approach to estimation, definitive 
aimed research is presently lacking to show whether or not a more accurate prediction of wave drag results. 

(c)     Evaluation of the double integral 

Although a number of numerical procedures  are available for evaluation of the double integral,  their 
accuracy has only been assessed for smooth distributions  allowing an analytical solution'Si^'"^-».     such 
assessments can be very misleading since  the accuracy for a distribution representing an aircraft  is 
dependent,  not only on the shape of the distribution, but  also on the frequency and positioning of  the 
points representing that shape.    An investigation at HSA  (Brough)  into the accuracy of the methods of 
Eminton'S.^l  an(] Cahn and Olstad^? when applied  to analytical bumpy bodies indicated that the former was 
the more  reliable,  converging more quickly a-id consistently with increase in the number of points  used 
(Fig.7).    Much depends on the positioning o'.  the points, especially with regard to the rounded noses of 
wing-like surfaces.    Fig.8 shows a plot of approximately  120 calculated values of    0/q    plotted against    6 
for a smooth wavy body and symmetrically-mounted wing at    M •> 1.4.    The value of    6    at which the Mach 
plane  lies along the leading edge is marked;     linear theory would suggest an infinite value of wave drag 
and the calculation results in a peak value.    When the Mach plan.'! cuts through the wing so that the 
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wing cross-sectional area is found (6 = 90u),  there is another peak, due to the maximum area reaching 
its peak value and a deterioration occurring in the shape of the elemental distribution. 

The mean D/q obviously depends on the number of 9 values at which calculations have been per- 
formed.  The percentage error, which is also shown in Fig.8 plotted against At), can be seen to bear 
little relation to A9.  In this particular example,  A9 must be no greater than 5 to achieve an error 
of 1% or less.  For an aircraft having not so smooth a distribution, the maximum error could be larger 
and it would be advisable to perform the calculations with a smaller value of A9. 

( • 

(d) Effect of Reynolds  number and boundary-layer displacement  thickness 

In principle,   Che effect of  the boundary  layer  on wave drag can be assessed by adding calculated 
displacement   thicknesses  to  the physical areas of  the  configuration.     In a recent UK investigation^^, 
wave drag was   calculated  for  three smooth bodies,  of  different   fineness ratios,  and one waisted body, 
with and without   the addition of boundary-layer displacement  thickness.    Pressure distributions  and 
resulting wave  drags were  calculated by the method of  Warren and Fraenkel^5 and the displacement  thick- 
ness by an  adaptation of  the integral method of  solution of  the  turbulent-boundary-layer problem due  to 
Head.    The  results  are presented in Fig. 9 for  a range  of Reynolds numbers,  and  for Mach numbers  between 
1.5  to 2.0.     The  calculated viscid wave drag of a smooth body of fineness ratio of about  8  f   10  (broadly 
representative  of  the fuselage of a strikefighter aircraft)  at  the higher Reynolds number is  only about 
1% greater   than  the  inviscid value;    for  the waisted body,  the viscid value is only  \%  less   than  the 
inviscid value.     Although  the bodies of revolution treated here  are very different from  the  configurations 
of  interest,  which  include wing-like surfaces,   the  results  imply  that  an inviscid calculation  is  accept- 
able, especially since only a crude calculation of displacement  thickness would be possible  for  the 
general case. 

(e) Experimental  research on wave drag 

Despite many experiments  involving measurement  of drag at  supersonic speeds,  the  analysis  and 
understanding of drag has   usually been a secondary objective,  especially in project-oriented research, 
whilst much  of  the results have either been classified  and proprietary  in nature,  or obtained  under 
inadequate  and  ill-defined  test conditions.     Further,  since skin-friction drag comprises  as much  as 
one-third of  the  zero-lift  drag on a strikefighter aircraft  configuration,  this  needs  to be  determined 
carefully.     Tunnel  technique problems also accentuate   the  difficulties  in achieving a meaningful  analysis 
of wave drag  from tests  on  specific aircraft models. 

A set of  experiments  has been arranged,  in a specially-calibrated UK wind  tunnel,   to attempt  to 
provide a basis   for  improving  the methods of wave drag prediction by showing how best  to apply  Supersonic 
Area Rule  and by demonstrating the degree of empirical  adjustment  that may be needed.     The basic model 
area distribution is representati"e of current  aircraft.     Some  8 bodies,  2 canopies,  and  2 wings  are  to 
be  tested  in   12  configurations,  5 of which have  the  same  area distribution at  the design Mach number. 
Selective  pressure  plotting,   flow visualisation and boundary-layer studies will  assist  the  theoretical 
comparisons.     The objects  of  the tests include:- 

(a) To  study canopy effects,  inc uding windscreen angle,  with and without compensating body 
waisting; 

(b) To  compare  the  addition of a canopy and of  a distributed axisymraetrical bulge; 

(c) To  investigate wing effects, with compensating body waisting; 

(d) To assess  the validity of  linearised  theory by  testing  selected combinations  of related bodies 
and wings which allow,   in  theory,  the identification of  the  skin  friction and wave  drag  contribution 
of each element. 

3.3.4    Lift-dependent  drag 

In principle,  an equivalent  calculation method  to  that  used  for the zero-lift wave  drag  can be  used 
to  find  lift-dependent drag,   but,  for the class of aircraft being considered no usable method  is  known 
for estimating  the required  longitudinal  distribution of  lift.     Recent   'near-field'   theoretical 
studies37,38 offer some hope   that practical methods may  eventually be developed.    At present  semi- 
theoretical methods  are used which correlate experimental  data by  use of supersonic similarity 
parameters^»1*'.     Corrections  for  trim drag,  and  for  the  variation with incidence of  the  drag of store 
and engine  installations must be made. 

♦ '(, 

3,3.5    Transonic drag 

The friction drag may be calculated in transonic mixed flow,  assuming the flat-plate  approximation. 
No theoretical methods  are  available for the estimation of  the other drag terras.    The interpolation of 
values between the upper and  lower bounds of the  transonic region is dependent on the use of ad hoc test 
data which can  to  a certain extent be generalised by  the  use of similarity parameters^.     The  Sonic Area 
Rule-*" may be used  to obtain a value at    M =   1     consistent with the Supersonic Area Rule,  but  it  is 
generally accepted  that  this  calculation overestimates   the  true value. 

3.3.6    External store  installations 

This  can  truly be regarded as a subject  in its  own  right,  of special  importance to  the  designers and 
users of strikefighter aircraft.    For such aircraft,  internal  carriage    of stores cannot  usually  be  justi- 
fied,  as  the effects of the extra fuselage drag throughout  the mission tend   to   outweigh  the benefits of 
reduced drag  in  the outward  stage.    Other important  factors militating against  internal  carriage  include, 
of  course,   the  effects  of  flow disturbances  in store bays  on delivery accuracy, and the  increasing variety 
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and constantly-changing combinations of stores which have  to be accommodated.    A possible compromise, 
/y    suitable   for  certain  types  of  stores,   could   involve  the  partial  use  of  semi-submerged  and  conformally- 

packaged  stores. 

However,   there  is  a clear  continuing need  for a prediction method which, preferably,  should be 
sufficiently accurate  and reliable  to allow the  selection of a preferred low-drag installation scheme for 
a prescribed combination of external  stores.    Amongst  the main considerations are:     the basic  shapes  of 
the stores  and their  mountings;     the aerodynamic  interactions between  the stores,  their  supports and  the 
neighbouring aircraft  surfaces;     the  cleanliness  of the  stores  and of specific support  installations; 
and the  possibility  of contriving more favourable  groupings   for  the principal store combinations which 
need   to be   fitted   to  a  given  aircraft. 

There  exist  considerable   amounts of ad hoc store  drag  test data,   as well as  a certain amount  of more 
general research  on selected representative  cases.    Limited  progress has  therefore been possible towards 
the derivation of  prediction methods based on semi-empirical   analyses  and basic theoretical  considerations, 
as discussed in a separate paper at  this Conference^".     The  recent  investigations of store drag by 
HSA Brough on a  Buccaneer aircraft   (see Fig.10)   taken in conjunction with comparative  tunnel  research at 
ARA,   seem   likely   to  improve our  capacity  to  interpret model-scale data on store  installations  and  apply 
it with confidence  to   full-scale  conditions,  providing adequate information is available on  the basic 
characteristics  of  the  different  components  of  a particular  aircraft  installation. 

Fig.10     Buccaneer S Mk.2 aircraft for store drag research 

Even  for  conservative  aircraft designs,  however,   there  is a need  for better understanding of  the 
complex interaction effects  involved,  if progress  is  to be made  towards  the  formulation of a more 
systematic  and  reliable  design  procedure.    The  situation seems  likely  to become,  if anything,  more  diffi- 
cult.     The  scale  of  the  interaction between the  store  and  the aircraft  flying surfaces  is bound to 
increase  as military  aircraft  become more compact,  particularly in view of  the aerodynamic concepts 
inherent   in  the  advanced design  approaches  under  development,   implying a need to consider the  complete 
aircraft  system as  an  integral  whole  at an early  stage  in design.    A soundly-based method for  the predic- 
tion of  the  drag of store installations is basic  to the  use  of modern  configuration selection  and per- 
formance  appraisal methods  in the design and evaluation of military  aircraft. 

3. !i. 7     Concluding  remarks 

The  prediction of  transonic  and supersonic drag  for military striketighter  aircraft is  not a well- 
founded art  and more needs  to be  done, both  theoretically  and experimentally,  to  improve  the  capability 
of designers  to predict   rhe performance of  future  aircraft. 

3.4      Powerplant   installations   for strikefighter  aircraft 

Based  on  a  contribution  by  D.C.   Leyland,   BAC   Preston. 

3.4.1     Introduction 

The  importance  of  intake drag has  changed with  time,   as  the requirements of aircraft design have 
altered.     In the  early days of  turbo-jet aircraft,  the drag  associate^  with intake flow was often 
negligible,  partly because engines were relatively small  and partly because prime design was   for subsonic 
speeds  and  cowl  shaping was  such  as  to give  cancellation of  pre-entry drag.    When aircraft were developed 
for supersonic speeds,   and centre-body intakes were introduced,  supersonic pre-entry drag was  shown in 
specific  intake  tests   to be  theoretically predictable  for  the  full-flow critical  condition and  approxima- 
tions were  found possible for subcritical operation.     Intake drag has   come  to be more significant  in 
recent years,  both because its  relative magnitude has  increased and because it has become necessary  to 
make design compromises  between  the requirements  for optimum subsonic  and optimum supersonic performance. 
Generalised data on which to base comparisons  and make  trade-off studies have, however,  been very sparse. 
Reasonable estimates  for  supersonic operation have been possible, but  it  is  only within the  last  five years 
or so  that  a selection of information has started  to become  available on the subsonic drag of  intakes 
suitable for strikefighter aircraft, much of it related  to intakeo primarily designed for supersonic 
flight.     Little published data is  available  for  intakes which need to be biased towards  low drag at  sub- 
sonic/transonic speeds,  yet must  be capable of operation at  supersonic  speeds with adequate performance 
and acceptable  inlet/engine compatibility. 
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Certainly, there is nothing resembling a standard data sheet to which the propulsion system 
/  4^)designer can refer. At present, it is necessary to make early project estimates from calculated pre-entry 
^    drag, possibly guided by available results on similar configurations, and then to await the results of 

tests on models specific to the project in hand, by which time it may be too late to make radical changes. 
There is patently a need for a generalised data bank, if design data sheets are not yet feasible, to make 
intake design more certain and performance estimation more reliable. 

Afterbody drag and nozzle design need to be considered together since the major part of afterbody 
drag arises because of the need for engine nozzles, and, as overall thrust minus drag is being considered, 
the design of the nozzle must take account of interactive effects with the afterbody and design com- 
promises will usually prove necessary.  A simple nozzle des'.gn which gives maximum thrust and minimum 
weight and cost may well introduce unacceptable penalties in drag.  As in the case of intake drag, the 
significance of afterbody drag has increased with time as jet engines have developed. Relative engine 
size has increased, afterburning requires variable nozzle geometry, and sophisticated nozzle designs are 
necessary to produce maximum thrust at the high jet pressures associated with supersonic flight.  In con- 
sequence, the afterbody of an aircraft is necessarily distorted, and many installations are characterised 
by having large base areas, especially those incorporating twin engines and simple variable nozzles. 
High drag, therefore, can result, as much as 30% to A0% of the clean aircraft zero-lift drag.  In one 
case, aircraft drag was reduced by some 20% by reductions in base area made during flight development. 
For a modern jet aircraft, an afterbody drag of \57,  is not unusual and special nozzle and afterbody design 
is necessary to achieve a value below 10%.  At these levels, afterbody drag deserves serious study and 
more attention than it has received in the past. 

3.4.2  Intake drag 

Spillage drag is one of the more descriptive names used in connection with intake drag since the 
term implies the relationship of drag to a condition rfhere the flow into the intake is less than some 
datum value.  Some differences arise, however, in the definition of the datum:  for a centre-body intake, 
whether it should be the maximum flow that the intake will take at a given flight condition, or the 
maximum flow that the intake could take were the centre b dy not present.  The latter definition will be 
taken in the present discussion since this allows full account to be taken of variation in centre-body 
geometry, and is commonly the datum taken when calculations are made, fo  example, of the ^jtum super- 
sonic drag of an aircraft.  The intake drag is then =n acditive term associated with the operating con- 
dition of the engine and with the geometry of the intake.  The fact that there is an addi:ional drag term 
is sometimes a source of argument;  the need arises bevuse it is normal to define net eng'ne thrust with 
respect to a so-called ram drag calculated at freestream conditions ahead of the intake.  ''here is, 
then, for all but special conditions, a change in stre-m force in the streamtube entering tht intake 
between freestream conditions and the intake face, and an appropriate pre-entry drag can be calculated. 
In inviscid flow, there would be no ret increase in overall drag, since changes in the pre-entry stream- 
tube would be reflected by equal and opposite changes over the external surface of the aircraft.  In 
practice, however, pressure changes over the aircraft do not give rise to a reduction in datum aircraft 
drag sufficient to wholly counterbalance the pre-entry drag, and the estimation of intake drag largely 
becomes, particularly at subsonic speeds, the craft or art of judging to what extent the nominally- 
calculable pre-entry drag is offset by cowl thrust. 

Current methods of estimation of intake drag are summarised by Figs.11 and 12.  Complete definitions 
are not given but the various concepts will be familiar to specialists and more detail can be obtained by 
study of the references.  Although it must be admitted that there i: no such thing as a complete and 
definitive text on the subject, there is a fairly full discussion in Ref.49 and comments on recent test 
data are included in the recent AGARD lecture series on airframe/engine integration^. Prior to these 
publications, Sibulkin^' together with various RAE publications52-54 constituted the main references for 
supersonic spillage drag, whilst Mount55 provided results from a comparative series of tests on pitot 
intakes at subsonic and transonic speeds.  The definition of spillage drag (Fig.11a) introduces the K 

factor used by Mount to give a measure of thp degree of cancellation of pre-entry drag.  It provides a 
convenient, if not always precise, way of characterising the intake cowl;  a shallow cowl will have a 
high K ..,  a deep cowl a low K ...  Note, however, that it is  ossible for a bluff cowl to give 

complete cancellation at high intake flow and there is a need for some means of estimating the value of 
critical flow where spillage drag begins to build up.  The lower curve could then be derived by calculat- 
ing spillage drag for an intake, scaled down by a factor equal to the critical flow ratio.  The method^ö 
for calculation of spillage drag at low supersonic speeds (Fig.lib) is probably less well-known but has 
proved to be quite effective. 

In the case of an external compression intake (Fig.12a), allowance must be made for the presence of 
the pre-compression ramp or cone at subsonic, as well as supersonic, speeds.  Variation of ramp or cone 
geometry is naturally used to optimise intake and engine performance at supersonic speeds, but there can 
also be some trade-off of spillage drag and pressure recovery at subsonic speeds, and certainly, suitable 
calculations must be made if a choice has to be made between a pitot and a centre-body intake. 

It can readily be shown that pre-entry drag can be calculated either as the drag of the centre body 
plus the change in stream force or as the force on the approaching streamline. The former is appropriate 
at subsonic speeds, with ramp drag best obtained from intake pressure measurements or from a correlation 
of pressures measured on isolated ramps^^,  it is then necessary, as for a pitot intake, to assume an 
appropriate value of 

the finite drag increment at maximum mass flow, although no evidence is known. 

K ,.  for the intake in question and it is arguable that the same factor applies to 
add 

At supersonic speeds the maximum mass flow drag is calculated from shock flow considerations as a 
pressure integration over the entering streamtube boundary with allowance necessary for sideways spillage. 
When the intake is operated subcritically further calculations can be raade51,53) with allowance made for 
the normal shock position ahead of the intake, but, within an accuracy of about ±10%, it seems adequate 
to assume a linear variation (Fig.12b) prior to wind-tunnel tests. 
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The data which have been used Co define existing rules have been obtained on an ad hoc basis. 
i ^^.y^Although some relationship to  theory would be attractive at this  stage,  it is difficult to imagine that 
* this would be very successful  for realistic intake installations.     The  intake  is  commonly  located in a 

region of non-uniform flow,  either due to the influence of nearby structure or due to the attitude of 
the aircraft, and rarely can the flow be considered to be simply two-dimensional or axisynnietric. 
Possibly,  three-dimensional potential flow and characteristics computer programs could become available 
for use, although the computing effort required may be hard to justify.     In the interim,  the need seems 
to be  for an attempt to be made to correlate available data on an international  basis  to define better 
rules for drag estimation,  and to show the way in which installation parameters such as orientation, 
detailed geometry and the presence of other parts of the aircraft affect  intake drag.    Hopefully,  there 
will be some progress possible  from analysis of results from tests such as those of the American 
Tailor-Mate programme58. 

As a suggestion for a framework for a simplified analysis  for transonic speeds. Fig.13 shows what 
appears to be the characteristic variation of    K    ,    with Mach number and, for want of a better name, 

cowl bluffness.    Note that  the  subsonic values,  as quoted by Mount, blend  into    K   ..    values derived from 

the Fraenkel rule.    Correlation studies are required to show whether subsonic    K 
add and critical mass 

flow (see Fig. 12a)  can be related to a cowl parameter, and to determinate the range of intakes to which 
such correlations would apply. 

3.4.3    Subsonic afterbody drag 

Afterbody drag arises because of the  incomplete compression of real  flow over  the rear of a body; 
for a closed body in viscous flow this is  the source of form drag.    The drag is significantly increased 
if  the body is  truncated,  partly because of the low base pressure that results but also because of the 
modification from the ideal of the flow over the boat-tail;    hence,  it is preferable to refer to after- 
body drag rather than merely to base drag,  as has been common practice in the past.    The flow is  further 
affected if a jet  issues  from  the base of  the body and much model   testing has  been concerned with deter- 
mining the effect of the jet.     In many cases, this effect is  in fact relatively small and the  level of 
drag depends largely upon the geometric design of the afterbody and the jet nozzle.    Such testing has 
also been largely confined to investigations of the characteristics of particular aircraft configurations, 
though there were tests on families of single-jet afterbodies during the  1950s, when the most comprehen- 
sive  range was  covered^ by Henry and Cahn.    The rules for afterbody design have  thus been derived by air- 
frame  and  engine manufacturers  from what  are,  essentially,  ad hoc  tests. 

Estimates of the  level  of afterbody drag have also been made  from the same  data,  but no general 
estimating method has been derived.    The problem is not amenable  to simple theoretical analysis and the 
number of parameters involved is  large.    A correlation of data from axisymmetric models was raade^ by 
McDonald  and Hughes which,   though  nominally  limited in its  application,  does  provide  a means  of broadly 
estimating the effect of changes  in the main parameters^!.    A major difficulty lies  in knowing how well 
the method applies to the twin-jet afterbodies that are more typical   of   military aircraft. 

Some five or six years ago,  the only twin-jet data available within the United Kingdom related to 
afterbody tests on models of specific aircraft.    At a meeting of specialists in  1967,  it was  agreed  that  a 
research programme should be initiated at  the Aircraft Research Association,  Bedford,  to provide systematic 
data for generalised variations  of  the MRCA,  Jaguar, and Harrier configurations.     Some results relating to 
the first class of configuration are shown in Fig.14 in comparison with other experimental data for twin 
jets and with predictions using the method of Ref.60.    When the drag is plotted as  a coefficient based on 
effective base area,  there is a broad collapse of the test data to a constant level for a wide range of 
typical aircraft values of the parameters,  for twin-jet as well as  single-jet configurations.    In fact,  a 
value of 0.13 applied to effective net aircraft base area seems to give as good an estimate of afterbody 
drag as is possible without specific model  tests of the configuration in question or of a configuration of 
similar geometry.    More detailed correlations are desirable for use in design optimisation but it is 
questionable whether they can produce a better estimate of absolute afterbody drag, especially in view of 
the known problems which arise in the correction of tunnel test results  on afterbody rigs.    Afterbody rigs 
are certainly essential for determining the effect of changes in detailed geometry.     A useful  collection 
of data from a general NACA series  of tests62-64 on twin-jet afterbodies with zero base nozzles  is now 
becoming available.    An analysis of Pratt-Whitney test data has been given^S and a general discussion of 
the subject exists66.    General trends can be obtained,  though much of the data is appropriate to zero-base 
iris nozzles, rather than to  translating-shroud nozzles with associated base area.     It should be noted 
particularly that significant improvements in drag can be obtained by detailed development of a particular 
configuration.    Much care is  necessary in interpretation.    Thus, it  can be shown that  increased nozzle 
spacing reduces  the interference drag due  to jet and nozzle;    however,  the overall afterbody drag becomes 
larger as the jet-off drag increases, especially when there is an accompanying increase in body maximum 
cross-sectional area. 

As regards future studies,  the consensus of opinion among UK specialists is  that further  testing on 
generalised models representative of practical nozzle/afterbody combinations  should be continued.    This 
needs  to be accompanied by studies  of tunnel  technique problems at  transonic speeds   (see section 4).     It 
would be helpful to reach agreement on a consistent procedure for presentation of the data from afterbody 
rigs;     this could involve adoption of a datum afterbody which would be tested on various rigs and, 
possibly,  on selected complete models.     It is also felt that a period of data consolidation is needed, 
during which an attempt  should be made to achieve an acceptable correlation with theory. 

3.4.4    Supersonic afterbody drag 

Supersonic afterbody drag is primarily the wave drag of the rearward-facing surfaces of the fuselage 
and   as   such is included in calculations of supersonic aircraft drag  (see section 3.3).    However, con- 
sideration also has  to be given to the effect of the jet flow.    Witn no jet  flow and no early flow separa- 
tion,  a terminal compression shock will originate from the rearmost point of  a body;     in the presence of 
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an under-expanded  jet  issuing  from  a  convergent nozzle 
the  flow over  the  afterbody.     The   terminal  shock causes 
and  a balance  is  reached  such  that   the  shock originates 
base pressure  feeds  forward onto  the  afterbody.     The je 
which can be appreciable. 

The phenomenon has  been discussed by Stoddart     , 
increment has been suggested.     A more detailed method o 
of  flow separation   can   be used,   and  an example of  its 
with measured data  from tests^S by Reid  on a single-jet 
obtained in BAC  tests on a realistic  twin-jet  afterbody 
the purpose of calculation,  and jet  effect  is   taken as 
pressure ratio and  the pressure  ratio corresponding  to 
used  in  the  basic  aircraft wave  drag  calculation. 

at  supersonic   speeds,   there  is  an interaction with , 
separation of the boundary layer on the boat-tail y 'J-^> 
forward of  the end  of  the  body   (Fig.15a)   and  the 

t  therefore  produces  a reduction in afterbody drag 

and a simplified method  for  estimating  the drag 
f    calculation   involving  estimation of  the point 
effectiveness   is  given in Fig.15b  in comparison 
afterbody.     Satisfactory agreement has  also been 

An equivalent  axisymmetric body  is  assumed  for 
the drag change between the  aircraft operating 
a jet wake equivalent  to  the  terminating  cylinder 

It  therefore would  seem  that  reasonable estimates  can be made  of  afterbody drag at  supersonic 
speeds,  although no generalised  study  is  known.     In consequence,  a research  progranme  is  to be undertaken 
in  the  BAC 4ft wind  tunnel  in which  single-jet  and twin-jet bodies of  the  same  geometry as  those  tested 
in  the  first phase  of  the  tests  at   transonic  speeds  at ARA Bedford are  to  be  tested  at  supersonic speeds 
on  an afterbody rig which measures  afterbody drag and jet  thrust  independently.     Good discrimination is 
therefore possible;     the  effects  of  changes  in geometry and nozzle design  can be determined and  compari- 
sons made with estimates. 

A major variation of  interest  is  the degree of expansion produced by  the jet  nozzle.     If  a con- 
vergent-divergent  nozzle  is  installed  in an aircraft,  such  that  the  jet  is   fully  expanded,  then the 
terminal  shock remains  at  the  end of  the  afterbody  and  there  is no reduction in boat-tail drag. 
Conversely,   though  the  full  available expanded  thrust is  not  obtained  from a convergent nozzle,   a  large 
proportion,  as much as  50% of   the  thrust  increment due  to  full  expansion is,   in fact,  felt on the after- 
body so  that  the apparent benefit  of  installing a sophisticated nozzle  is   less   than might otherwise be 
expected.     Estimates  of  typical  differences  have been given67  and values   taken directly  from model   tests^S 
are shown in Fig. 16.    Results   are  shown  for  a  low supersonic Mach number  appropriate  to  the design 
pressure  ratio  (5.5)  of   the con-di  nozzle.     It  is  notable  that with  allowance  for  installed  interference 
effects   (drag reduction)   the  con-di  nozzle shows benefit over a  convergent  nozzle only above a pressure 
ratio of  6.5,  as  against  static   thrust  showing benefit above  3.8,  and  ideal benefit  above   1.9.     Similar 
differences  are apparent  for other Mach numbers and nozzles but detailed  study  is  required to derive 
appropriate values. 

'4 
Since  there  is a very significant  interaction,  care must be  taken in assessing  the performance of 

nozzles   if experimental  data have been obtained  from models  fitted  to  a cylindrical  afterbody,   as has 
conmonly been the  case.     For   the  future,   there  is a need  for  the development  of  general methods  for  the 
prediction of  installed  thrust  and drag  for  a specific design of afterbody  and nozzle.     If  recourse  to 
experiment  is  necessary,   it  is   essential  that  both afterbody  and nozzle  geometry  should be  fully 
represented. 

3.5      Powerplant  installations   for   supersonic  transport  aircraft 

Based on a contribution by J.W.   Britton,  RAE. 

3.5.1     Introduction 

During the last ten years,  a considerable international programme of research and development has 
been mounted  to provide direct  support   for  the Concorde project.    A  large  part  of  this progranme, which 
has  involved the major aeronautical  test facilities in both England and France, has been devoted  to 
propulsion aerodynamics.     This  has   included not only the development  of  the  engine  itself,  but  also  the 
development of the engine air  intake,  the engine exhaust nozzle,  and  the nacelle  in which the propulsion 
system is  installed  in  the airframe. 

One of the facets of propulsion aerodynamics for Concorde with which  the RAE has been deeply 
involved is  the study of  the external  forces acting on the engine nacelles  in the flow field of the 
complete aircraft.     This programme of work, which began as early as   1962,  has extended over the whole 
period of development of Concorde from the early formative stages,  through the definition of the proto- 
types,  to the final phase of refinement and definition of the configuration of the production aircraft. 

Even for a configuration such as Concorde, where the nacelles  are situated in an orderly and 
nearly-uniform flow field environment, there is a lack of completely-effective theoretical methods which 
can be used to predict the best external shapes for the intake and nozzle.    Although two-dimensional 
shock expansion methods and, also.  Supersonic Area Rule techniques can be employed in some cases to give 
a qualitative guide  to the effects of variations in external shape,  for a quantitative measure of such 
effects recourse must be had to specialised tests in the wind tunnel. 

To illustrate  the nature of the R&D support which can be involved,  the test and analysis 
procedures are considered which have been used to provide a basis for  the prediction of the drag of the 
intakes and nozzles of Concorde. 

3.5.2    General approach and definitions 

The general philosophy relating to the analysis of forces acting on a ducted bod/ and their 
relation to engine  thrust where appropriate is considered in Refs.70,  71  and 72.    For the Concorde con- 
figuration,  the effects of the internal  flow downstream of the exit of the installation are usually 
small,  and the relevant internal forces in most cases are the conventional  standard internal forces 
associated with changes  in properties of  the internal flow between a station far ahead of the model and 
the exit of the installation.     The particular problems of definition of the aerodynamic forces acting on 
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,a ducted model with a side intake, which includes bleed or. diverter systems for the removal of all or 

yj part  of the forebody boundary layer, also have been considered'^, and forms of mutually-compatible 
internal and external force definitions for such cases proposed. The analysis of the results of the wind- 
tunnel tests on Concorde models has been based on the proposals and definitions set out in these 
references, 

3,5.3 Intake drag 

Tests were made on  1/30  scale  complete models  of Concorde   (Fig,17)  with different nacelle 
representations  in the 8ft  *  8ft  supersonic wind  tunnel  at RAE  Bedford over a range  of Mach numbers  at a 
Reynolds number of  around   1/20 of  that  for  the  full-scale  aircraft.     In all  cases,   free-flow nacelles 
were  used and there was no attempt  to  simulate  the hot high-pressure  exhaust  flow  from the nozzles. 

For  tests which were  concerned only with  the drag of  the  intake,   the  external  surfaces of the  cowl 
and  the  sidewalls of  the  intake up  to  the  engine  face  station were  represented  accurately, while  the 
sectional  area and shape of  the nacelle  at  all  stations  aft of  the  engine   face were kept  constant.    On 
the  simplest  of such nacelles,   the boundary   layer approaching  the  intake  on  the  lower  surface of the wing 
was  allowed  to enter the  intake  itself:     with more  representative  configurations,   the wing boundary-layer 
diverter was  represented by  a  scale model  of  that on the aircraft and the  compression surfaces of the 
intake were  also represented.     For measurement  of  forces  acting on  the surfaces  of  the  afterbody,  or  for 
the measurement of  the drag of  the complete nacelle,   the external shapes  of  the engine bay and afterbody, 
as well  as   the  intake, were  represented,     A  fixed model of the  appropriate   configuration of  the variable 
geometry of  the secondary nozzle   (Fig, 18) was  used  for these cases.     The  duct  inside  the nacelle was 
designed  so  that  the flow approaching the  intake was not  affected by  conditions   inside  the nacelle  and, 
also,  so that  the  flow at  the exit was  choked  in order to improve  the accuracy of  the measurement^ of 
standard internal  drag. 

73 74 The  installation drag of  the nacelle  is  defined as  the  increment  in external  pressure drag due 
to   the  addition of nacelles   to  the basic  configuration  (i.e.  wing + body  +  fin),   evaluated  at  constant 
lift.     The nacelle  installation drag can be  regarded as  an  'absolute'  measure  of  the  external  drag of  the 
nacelle  and  is  obtained from the  following  series  of tests:- 

(a) Measurement of overall   forces  acting on basic configuration  (i.e.  wing + body  +  fin); 

(b) Measurement of overall   forces  acting on complete configuration   (i.e.  wing + body + 
fin + nacelles); 

(c) Measurement of standard  internal  forces; 

(d) Measurement of flow approaching  intake; 

(e) Measurement of the  forces due   to   the  unrepresentative base of   the nacelle; 

(f) Measurement or estimation of various  skin-friction drags. 

The objective of some tests is simply the comparison of a range of external shapes  for a nacelle 
with a given intake,  intake environment and  internal duct.    In such cases,  the standard  internal forces 
are constant provided that comparisons are made at constant attitude,  and also that the internal flow is 
not affected by any changes  in the external  shape of the nacelle.    The external  forces  acting on each of 
such a range of nacelles can therefore be compared without recourse  to separate measurement of the 
installation drag of each individual nacelle.     If it can also be assumed  that the external skin-friction 
drag of each of the range of configurations  is  the same, then, in order to compare external lift, drag 
and pitching moment   it  is   necessary only to measure for each configuration:- 

(a) Overall forces acting on the complete configuration; 

(b) Forces due to the unrepresentative base of the nacelle. 

The work on the development of the external shape of the intake for Concorde  is  summarized in 
Fig. 19, where the installation drag of each intake at   M ■ 2.2    is  indicated.    The programme of work fell 
into three main phases of activity as indicated, being concerned principally with the choice between all- 
external and mixed-conpression intakes and the choice of the characteristically-steep angle of the cowl 
for the chosen external-compression intake.    Attention was also given to  the shape of the fairing from 
the cowl  lip to the engine face and the ratio of nacelle sectional  area at engine face  to intake area 
taking account of the possibility of immersing the engine within the wing structure.    The ratio of the 
width to the height of the intake was studied,  including consideration of the possibility of interference 
effects between the cowl and sidewalls of the nacelle and the lower surface of the wing.    As can be seen, 
the measured installation drags for this  family of nacelles cover a wide  range.    However, one of the more 
striking features of this long series of tests is  that, despite the inevitable appearance of problems and 
consequent design compromises which are inevitable during the development of any aircraft,  the penalties 
in intake performance which can stem from such modifications appear to have been minimised and the drag 
level   for   the final intake of each of the  three phases  is roughly the same. 

Because the tests on the complete models were made at low Reynolds number, the relationship between 
the local wing boundary-layer thickness and the scale model of the intake was incorrect; in particular, 
the proportion of the wing boundary-layer which was diverted from the intake on the model was lower than 
that on the full-scale aircraft. The flow processes in the diverter passage and at entry to the intake, 
were, however, similar in character to those at full scale and an adequate representation of the flow up 
and into the intake was normally achieved. Separate experiments, of the type described in Ref.75, have 
been made using a larger-scale model of intake and diverter mounted on a flat plate in order to evaluate 
changes in diverter lift, drag and pitching moment.    These include 1 interference effects between the 
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Fig.17   Typical Concorde model in 8ft x 8ft wind tunnel RAE Bedford 

Fig.18 Concorde model for nacelle drag and afterbody load studies 
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diverter  flow and the flow over  the  lower  surface of  the wing, due  to  changes of  immersion of the diverter 
in the  local boundary  layer and also  to detailed changes in the shape of the diverter from the 
necessarily simplified form of that on  the  complete model. 

On the   1/30 scale models of the  complete aircraft,  the intake compression surfaces were represented 
simply by  the  first fixed wedge of the  intake  and  the  intake flow was  close  to the maximum value  for most 
tests.    Additional theoretical and experimental studies, such as those described in Ref.76, were therefore 
made  in order to evaluate  the effects  of any  flow spillage, which is  additional  to  that  introduced by the 
intake on the complete model and which might be necessary  to match the  intake flow with engine demand. 

3.5.4    Afterbody drag 

The programme of work for the development  of an afterbody for the nozzle  for  the production aircraft 
is summarized in Fig.20.    The external  shapes of the  afterbodies are illustrated by showing the section at 
nozzle exit superimposed on the basically rectangular maximum cross-section of the nacelle.    Following 
measurements on the Type It  nozzle and afterbody  lor the pre-production aircraft,  an effort was made to 
design a nozzle arrangement for the production aircraft with reduced drag.    Attention was  turned to more 
regular boat-tail shapes which were closely  tailored  to the rectangular section of  the engine bay and 
which  involved more evenly distributed boat-tailing around the periphery.    Initially,  the effect of nozzle 
exit  area on boat-tail drag was studied systematically.    These tests  (configurations  2,  3 and 4) showed 
the expected clear trend of reducing boat-tail drag as nozzle exit area was  increased and  the rearward- 
facing area of the boat-tail surfaces was reduced, as well as demonstrating that boat-tail drags which 
were  lower than that for the Type  II  nozzle   (configuration  I)  could be obtained.    Two other afterbodies 
(5 and 6} were also tested with the width of the afterbody deliberately increased in order to produce some 
forward-facing surfaces on the sidewalls of  the afterbody so as  to exploit favourable interference effects. 
It was  confirmed that advantage could be  taken of the  favourable pressure environment below the wing in 
which the afterbody was p'aced.    These encouraging results  led    to specific proposals  for the complete 
nozzle plus  afterbody for the production version of Concorde  (e.g.  configurations  7 and 8). 

Since free-flow nacelles were used for most  tests,  all measurements of the  forces  acting on the 
afterbodies were made in the presence of a nozzle exhaust flow which was not representative of the air- 
craft.    Because the natural low-total-pressure jet was in all cases surrounded by a blunt base, and base 
pressure was usually considerably lower than that on the external surface of  the boat-tail  immediately 
upstream of the base,  it was assumed that any interference by the flow field of this unrepresentative jet 
onto the boat-tail ahead was small.    In contrast,  on the aircraft,  interference between nozzle exhaust 
flow and external flow affects pressures on both base areas  and boat-tailed surfaces.    It follows,  there- 
fore,  that the performance of the complete nozzle plus afterbody cannot be defined solely by measurements 
of external drag obtained from tests on complete aircraft models fitted with free-flow nacelles, together 
with measurements of the internal thrust obtained from tests on nozzle models where  the high-pressure jet 
is exhausted into low   pressure   quiescent conditions.    Additional  tests using models on which both jet and 
external flow field are represented are necessary  to provide measurements of interference effects,  and 
thus  to complete  the set of data from which the  thrust minus  drag of the nozzle plus  afterbody can be 
assembled. 

V 

• 

For Concorde,  the gross  thrust minus drag of the complete nozzle plus afterbody was obtained by 
suitably combining data from the following series of tests:- 

(a) Measurement of the boat-tail drag,  on the model of the complete aircraft,  fitted with free-flow 
nacelles and  (usually) a somewhat simplified representation of the afterbody; 

(b) Measurement of the external drag of an isolated model of the  afterbody in uniform flow using, 
as nearly as possible,  the same standard of representation of both external shape and jet as was 
used on the complete model of the aircraft.    This  involves the evaluation and subtraction of the 
gross  thrust of this unrepresentative jet and the drag of the unrepresentative base of this nozzle; 

(c) Measurement of the gross thrust minus drag of the complete nozzle plus afterbody on an 
isolated model of the nozzle plus afterbody in uniform flow,  using  the best possible representation 
of both nozzle and afterbody,  as well as of the engine exhaust flow and any other internal  flows. 

In this way,  a gross value of thrust minus drag for the complete nozzle and afterbody was 
synthesised,  such that  those terms which were taken to be principally influenced by the airframe flow 
field were  taken from tests on the complete aircraft model and those terms which were taken to be 
principally influenced by the jet were measured on the isolated afterbody model.    Measurements of internal 
thrust on nozzle models where the high-pressure jet is exhausted into low pressure, quiescent conditions 
were also made  to improve the understanding of the behaviour of the complete nozzle. 

3.5.5    Concluding remarks 

Because of the lack of comprehensive theoretical methods, it has been necessary to depend almost 
exclusively on experimental measurements as a basis  for prediction of the drag of the intake and nozzle 
for Concorde.    The associated experimental techniques and selected results have been described,  and the 
method of interpretation has been outlined.    At present, a large programme of specialised aimed research 
is  involved in the determination of engine installation drag effects fur supersonic civil aircraft projects 
to the required degree of certainty, in the absence of suitable theoretical methods. 

3.6     Powerplant installations for subsonic transport aircraft 

Based on a contribution by D.   Stewart,  BAC    Weybridge. 
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3.6.1  Introduction 

The high-bypass-ratio front fan engine which is now in commercial use on long and medium range sub- 
sonic transports, with its short or now more common three-quarter length cowl and two separate coaxial 
exhaust streams, requires the thrust and drag to be clearly defined to allow correct accounting in the 
assessment of the aircraft's performance. The problem is complicated by the fact that the flow from the 
fan exhaust passes over the gas generator afterbody of the nacelle and part of the support pylon or stub. 

Typically, the total installed 'drag' of a podded engine arrangement effectively amounts to nearly 
I0Z of the total aircraft drag at cruise, when such components are included as the gas generator afterbody 
drag and the drag of the scrubbed portion of the pylon (which strictly are taken into account in the 
engine thrust evaluation). 

v- 
■Jp fo 
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3.6.2 Thrust and drag accounting 

The definitions of thrust and drag established '  some years ago by an ARC Panel are still valid, 
with appropriate extensions for real airframe/engine combinations to allow for interactions between the 
internal and external flows and to overcome difficulties arising in specifying the most appropriate exit 
conditions.  The widely-used standard or 'brochure' net thrust includes an allowance for the pre-entry 
thrust term but makes no allowance for the post-exit contributions. Accounting for post-exit thrust is 
important if the overall propulsion equation is to be understood, since the jet effect is felt on the 
surrounding air frame or engine structure as a change in local pressure distribution or 'jet interference' 
term. Here, we will follow the ARC Panel in defining nacelle drag as the summation of forces on the out- 
side of the streamtube bounding the flow which passes through the complete engine, and thrust as the 
sumnation of forces on the inside of the streamtube. The gas-generator afterbody drag, plug drag and the 
force on that part of the pylon or stub scrubbed by the fan exhaust therefore will all be considered as 
parts of the thrust term (see Fig.21)' The fan cowl drag, although dependent on the engine operating con- 
ditions, will be placed on the drag side of the balance sheet, as will the unscrubbed (external) pylon 
drag and interference drag. 

For a subsonic transport at cruise, with an engine installation drag of about 9% of the total air- 
craft drag, a typical breakdown might be fan cowl drag 3.2%, fan duct loss 2,2%, gas generator drag 2.1%, 
strut drag 1.3% and strut scrubbing drag 0.2%. 

3.6.3 Fan cowl drag 

Provided the fan cowl is designed properly for its operating condition, its drag need not exceed 
the drag of a flat plate of the same wetted area by,  say, more than  15%.    However, its drag may otherwise 
increase rapidly with the formation of shock waves and flow separations in the following ways:- 

(a) If  the intake is  too large  for  the required engine airflow, considerable spillage results 
which can lead to flow separation unless  the cowl is  suitably shaped; 

(b) If the fineness of the cowl forebody is insufficient in relation to the freestream Mach 
number,  expansions aft of the lip will cause a supersonic flow region and shock wave  system which, 
if not well-controlled,  can cause significant wave drag and possibly,  flow separation; 

(c) If  the afterbody curvature is too rapid and  the boat-tail angle excessive,  separations  can 
spread forwards  from the cowl extremity. 

Basic NASA work'' on cowl forebody development has been supplemented by studies undertaken by 
Rolls Royce and Aircraft Research Association'" in the ARA transonic tunnel over the past  ten years.    For 
subsonic transports,  combined increases in cruise Mach number and engine mass flow per unit  frontal area 
have caused a  trend towards increased values of the ratio of inlet to maximum diameter,  and recent work 
h.-s  therefore concentrated on achieving a high drag-rise Mach number and acceptable spillage drag 
characteristics  for such configurations.    Some of the more important geometric variables  (see Figs.21 
aud 25) which affected the drag associated with the NACA Series  1 profile proved to be the highlight 
diameter to maximum diameter ratio    (D./D„)    and the forebody length to maximum diameter ratio    (L_/Du). In r  M 
Analysis of this experimental work produces an optimum relationship between these geometric parameters. 
Of course, not all cowls on the optimum curve have the same characteristics; on the contrary, less 
sensitive aerodynamic characteristics are produced by moving along the curvo in the direction of smaller 
diameter ratios and larger forebody length ratios, at the expense of increased cowl size and drag. Fig.22 
shows the variation of drag with intake mass flow ratio and freestream Mach number for a typical cowl 
geometry appropriate to current cruise Mach numbers. 

Assuming satisfactory geometry has been chosen for the operating conditions, it is possible to base 
initial drag predictions on a form factor, applied to the turbulent skin-friction drag calculated for the 
equivalent flat plate. Reliance on a form factor derived from test data on cowls at relatively-low Mach 
numbers and correlated against an empirical geometrical parameter is, however, generally undesirable, and 
further research at Rolls Royce79 has been directed towards the provision of a sounder foundation for 
forebody drag prediction. From measured cowl pressure distributions, the drag was found by computing 
boundary-layer momentum thickness at the maximum diameter station and determining the loss of momentum 
which this represents on displacement to infinity downstream. Simple considerations then led to a satis- 
factory correlation for freestream Mach numbers up to M • 0.85 between the forebody drag and the main 
geometrical and engine flow parameters (see Fig.23). 

The freestream Mach number at which a rapid rise in drag occurs can be observed to coincide 
approximately with the passage of a normal shock across the crest of the cowl, affording a simple method 
for estimating the drag-rise Mach number from calculated pressure distributions. However, for project 
assessment purposes, it is taore convenient to express the drag-rise Mach number as a function of a 
geometric parameter (see Fig.24) analogous to Che thickness-chord ratio of a wing section. The majority 
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of  the data apply  to  the  case of a forebody  followed by  a relatively-long cylindrical centre body. 
However,  some were  also obtained on forebodies  followed by  a circular-arc afterbody.     In these  cases,   the 
acceleration of the  flow onto  the afterbody would be expected  to  influence  the pressure  at  the  crest  and 
hence the drag-rise Mach number.    Although few data are  available,   this  effect is  seen to be significant 
for  the range of  afterbody geometries which are  likely  to be considered for practical  applications. 

When the intake operates below the compressibility drag-rise design condition,  the drag  increases 
gradually as   the mass  flow  is  reduced until  the critical mass-flov ratio is reached at which drag rises 
rapidly  as  flow separations  result  from severe pressure  gradients  or shocks.     In laree measure, both 
features  are  determined by  the initial expansion of  the  flow around  the intake lip, which is itself 
largely governed by  the  initial curvature of  the  lip.     Thus,   it would be expected  that  the  critical mass- 
flow ratio should  correlate with a lip radius parameter   (see Fig.25). 

Up  to now,  the discussion has  centred around  the NACA Series   1  profile, which was primarily 
designed to produce  a high critical Mach number and so tends  to exhibit poor spillage characteristics  at 
the low intake-mass-flow ratios and low Mach numbers   that exist on the  failed engine during a second 
segment  climb or at  the  engine-out  ceiling height.    This  can result  in a significant deterioration  in air- 
craft performance  at  these  flight conditions,  especially with a twin-engined aircraft.    Recent work on 
this subject has  therefore been concentrated on improving  the  low intake-mass-flow characteristics  of 
cowl performance,  without  impairing the cruise Mach number  characteristics.    For  example,   the  use of  a 
'peaky'   section produces  a strong but controlled expansion  around  the leading edge,   followed by 
isentropic recompression back through the crest, which gives  a good pressure recovery on  the afterbody. 
A satisfactory but  geometrically-simple  'peaky'   section can be provided by a  'circle-conic'   forebody.    At 
reduced mass-flow ratios   and Mach numbers,   the   'circle-conic'   forebody is  able  to retain its  required 
pressure distribution   when   the suction peak on  the NACA Series   1   forebody has  collapsed,  the  correspond- 
ing improvement in spillage drag at low mass  flow ratios  being shown in Fig,26.    At higher Mach numbers 
and mass-flow ratios,  the   'circle-conic'   forebody exhibits  less expansion off  the  leading edge  and 
recompresses more  smoothly  than the NACA Series   1   forebody.     Some care is needed,  however,  in the 
detailed choice of  forebody geometry  to ensure  that  the  cruise Mach number performance is retained 
involving,  for  instance,   consideration of  the cowl  curvature  distribution. 

3.6.4    Gas generator afterbody drag 

Typically  the  loss  of  thrust due to  the flow passing over  the afterbody is  about  2%.    This  results 
from, basically,   two components:- 

(a) increased skin  friction due  to  the higher dynamic head  in the fan exhaust;     and 

(b) wave drag due  to  the  formation of  shock waves. 

On current powerplants,  such as  the RB 211,  the fan exhaust pressure ratio  (fan total pressure/free- 
stream static pressure)   is  about 2.5 at  typical  cruise  conditions  so that  the fan exhaust  flow over  the 
afterbody  is  supersonic,   and the flow is made  to expand over a convex surface which serves  to accentuate 
the expansion.     Fig.27 shows  a simple correlation, based on some Boeing and Rolls-Royce data,  of afterbody 
scrubbing drag   (skin friction + wave)  as  a function of  the geometry and the fan pressure ratio.    Although 
this is  useful  for  initial  assessments,  no simple correlation can be  really adequate,  since  the behaviour 
of  ti.e fan flow and  the  losses occurring in it are as much determined by the local slope and  curvature of 
the afterbody profile as  by  its overall  aspect ratio or  final boat-tail angle. 

The method of characteristics can be used  for  axisymmetric afterbodies to provide a theoretical 
treatment^O of  the  fan flow over  the gas generator afterbody.     The  supersonic  flow is  assumed  to start 
from a plane normal  shock at  the  fan nozzle exit, with  the  initial expansion  (Prandtl-Meyer)  focussed on 
the nozzle exit  lip.    The afterbody profile  forms one boundary of  the flow;    the imposed boundary con- 
Jition is  either  specified  afterbody shape or specified  afterbody pressure distribution.     For prediction 
purposes,   the outer  free  boundary of  the  fan  flow is  specified by  the criterion of constant  freestream 
static pressure along the boundary;    a quiescent condition which effectively omits  the  influence of  an 
external   freestream   flow,  as would exist  under cruise  flight  conditions.     However,  testing experience on 
a variety of  afterbody profiles suggests  that  if a profile  shows  an acceptable performance under quiescent 
conditions at  the  fan cruise value of exhaust pressure ratio,   then the performance under representative 
cruise  flight  conditions   is  also good.    Limited  tests  of  a  calculated afterbody profile show little change 
in afterbody  surface pressures between  'quiescent'   tests  and  tests  at an external  flow Mach number of 
M = 0.85.    When arbitrary profiles are specified,  shocks  inevitably occur;    currently,  these are dealt 
with on the  assumption that  they are weak and  thus  introduce negligible  loss  in total Pressure.     This 
approach can be supported by representative  flow-field  calculations, which suggest wt'vu drag  losses  should 
be small. 

The components of  the drag of  the afterbody can be  estimated  from pressure distributions by  a method 
under development by Rolls Royce which already gives reasonably good agreement with experiment.    As  losses 
in the exhaust system effectively act at  the gross   (rather  than net)  thrust level,  there is  considerable 
incentive to  improve our  understanding of  the  flow over  the  afterbody and the prediction of  its  drag. 

3.6.5    Interference 

- 

For simplicity,  nacelle installation drag is considered in terms of the total aircraft drag change 
due to adding the nacelles and supports,  in relation to the estimated drag of the isolated nacelles  and 
support pylons or  stubs.    For   underwing   installations,   the drag of a nacelle installation is sensitive  to 
the vertical and longitudinal displacement of the nacelle relative to the wing,  as well as to the  lift 
coefficient of the wing and the   freestream   Mach number.    The optimum position for an underwing nacelle 
from an interference drag viewpoint is well ahead of and below the wing leading edge.    In practice,  this 
generally means that the nacelle centre line is between three-quarters and one nacelle maximum diameter 
below the wing leading edge and the nacelle highlight  is  approxir.ately three-quarters of the nacelle 

, 
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overall  length ahead of  the wing leading edge.     Zero interference can be achieved effectively up to 
typical cruise Mach numbers by correct positioning of the nacelle and,  in some cases,  favourable inter- 
ference has been claimed^'.82. 

As regards nacelle installations on the rear  fuselage,   careful optimisation of position is again 
necessary to achieve satisfactory results.    The interference drag falls away rapidly as the nacelles  are 
moved away from the fuselage but  the stub drag,  of course,  increases;    minimum drag is usually achieved 
with a minimum gully width between 0.2 and 0.3 of  the nacelle maximum diameter.    Nacelle attitude and 
toe-out must also be optimised.    The optimum for a particular design depends to a large extent on the 
gully shape between the nacelle and fuselage and the nacelle  longitudinal position relative to the wing. 
Fig.28 illustrates the complexity83 of the problem for specific rear-fuselage nacelle arrangements.     It 
can be seen that although adverse interference takes place with the rear fuselage, this is alleviated by 
favourable  interference with the wing and the rest of  the fuselage. 

To date,  interference drag problems have been resolved mainly by relying upon ad hoc wind-tunnel 
testing.     In the more  sophisticated  tests, engine simulators have been successfully used although even 
these cannot give a completely satisfactory simulation.    Ferri^ has suggested a new approach is required 
in dealing with the problem of engine interference whereby analogue and digital simulation is  combined. 
The wind tunnel would  furnish the analogue data, with corrections generated by numerical methods applied 
in order to improve  the results obtained, as has been done in other aspects of aerodynamic research.     It 
is considered that consideration should be given to this approach to establish its usefulness  in assisting 
in overall aircraft performance assessment. 

Programs  for  solving the Neumann problem are being developed for  the  treatment of interference 
problems  in general.     Existing programs, with first-order effects of compressibility included,  are 
applicable to axisymmetric and non-axisymmetric cowls.    Cowls  on either side of a fuselage or below a 
wing can be  treated  although,  at present, without  support  stubs  or pylons  represented.    Work currently 
underway includes  extension to underwing pylons  and these computing sequences will be applicable auto- 
matically  to cowl-pylon junctions.     The development of the  incremental calculation procedures  required 
for local  redesign is  also underway.     Further work is required  to include jet effects, but this should 
not prove  too difficult..     Some progress has been made in the development of  a rapid relaxation technique 
for the solution of  the compressible field equation for subcritical flow,  using Neumann influence matrices 
to restore boundary  conditions.     The accuracy of  the influence matrices will affect  the rate of  conver- 
gence but  the accuracy  of  the converged solution depends only on the field equation errors.     If  this 
method  is successful,   then extension to local  regions  of supercritical  flow can be examined.    With  further 
development,  such  theoretical  treatments coupled with boundary-layer calculations  should prove  to be 
strong tools  for nacelle  installation design. 

3.7      Trim drag 

Based on a contribution by D.   Howe and R.E.  Ward,  Cranfield Institute of Technology. 
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3.7.1     Introduction 

85 The prediction of  trim drag has not received much general  consideration ",    No doubt,  this  is 
because an accurate  estimation of  the drag penalty due to  trim demands  a  fairly detailed knowledge  of 
the characteristics  of  a particular design of  aircraft.     Nevertheless  it  is necessary to make an approxi- 
mate allowance for it  during the initial project phase.     This  is  certainly so when it is desired  to 
compare  the relative  performance of  alternative aircraft  concepts. 

In a complete  sense,  the drag penalty resulting from  longitudinal  trim requirements may be defined 
as  the aggregate of  the  following components :- 

(a) Profile drag of  the tailplane  (horizontal  stabiliser)  surface; 

(b) Fuselage-tail  interference effect; 

(c) Induced drag  due to trim force on tail  surface; 

(d) Increments  in the profile and induced drags of  the mainplane and  fuselage resulting from the 
incidence adjustment  necessary  to compensate for  the tail  trimming force,   and from the interference 
effects  of  the  tail  surface.    For purposes of drag prediction it  is more  convenient  to evaluate   (a)   and 
(b) above as part of the basic zero-lift drag of the aircraft since, at least to a first approximation, 
they  are  independent  of  trim requirements.    The increment in drag due  to  trim,  as given by  the  sum of 
(c) and (d) above may then be added to the untrimmed value. The loads on the tailplane can, of course, 
arise from changes in downwash or from variation in tailplane setting; further complications can arise 
with sidewash effects  if  the  tailplane has anhedral. 

An aircraft of  conventional  layout and static stability normally requires a down tail  load to trim. 
The magnitude of  this   load is a function of the  zero-lift pitching moment  and location of  the centre-of- 
gravity forward of  the aerodynamic  centre.    In general,  it can be said that reduction of  the tail  trim 
load will result in a reduction of the drag due  to  trim.    Thus,  these two major parameters should be kept 
as low as  is possible within the imposed operational  limitations, but the interaction between the wing 
and  tail  induced velocity  fields complicates  the  issue.     It  is  convenient  to describe the variation of 
trim drag as a function either of centre-of-gravity position or  the ratio of tail to total untrimmed lift 
coefficients which is  dependent upon it.    The  further aft  the  tailplane location,  the smaller is  the trim 
down load and the size of the surface required to generate it.     It follows immediately from this  that 
items   (a),   (b)  and  (d)  above will also be reduced.    However,  if the fuselage-tail interference penalty is 
interpreted in its widest sense,  it is apparent that this  could increase with aft movement of the  tail- 
plane due to the aiditional parasitic drag of a longer fuselage. 
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The case of  the  canard  layout  is  somewhat different.     Here,   the  foreplane  load is  normally up so 
that the trim requirement actually alleviates the wing lift required.    This could r suit in an overall 
reduction of drag when the aircraft is trimmed but the situation is considerably complicated by the effect 
of the induced flow of  the  foreplane, which modifies  the wing spanwise load distribution away from the 
ideal elliptic shape,  thus introducing a drag penalty.    The analysis can be particularly complex if the 
foreplane and wing are in close proximity,  especially when both exhibit  leading-edge vortex flows. 

Drag due to trim can be of importance in two flight phases :- 

(a) Cruise, where it is desirable to achieve the highest possible lift/drag ratio in a given flight 
condition for economic and performance reasons.    Obviously,  the greater the design range the more 
important is the effect of  trim drag; 

(b) Take-off and climb out, when it  is important to have a high lift/drag ratio consistent with the 
relatively-high lift coefficient.    This requirement is of particular significance when a steep climb 
associated with reduced engine power is necessitated by noise abatement procedures.    Use of wing trailing- 
edge flaps aggravates  the trim drag problem, because of the pitching moments associated with them. 

3.7.2 Subsonic transport aircraft 

An analysis of the trimmed cruise performance of a number of designs for subsonic transport aircraft 
is  illustrated by Fig.29a.     This shows the ratio of trim to total untrimmed drag as a function of  the 
ratio of the tail and overall  untrimmed lift coefficients.    For the various designs, this  latter ratio was 
found to be in the range of -0.1  to -0.5 according to centre-of-gravity position, with a corresponding 
trim drag of from about 9%  to  WX of the untrimmed value.    As can be seen from Fig.30a, the tailplane 
profile drag accounts  for the majority so that the increment of drag due to trimming, relative to the 
untrimmed value,  is only between  I  and 3% of the total aircraft drag. 

The corresponding curve for the take-off condition is shown in Fig.29b.     In the case of CTOL air- 
craft the range of lift coefficient ratio is typically from -0.1   to -0,3.    This suggests that the trim 
drag penalty varies from about 4£ at the aft centre-of-gravity position to 8% at its forward extremity. 
The contribution of the tailplane profile drag is much smaller than in cruise,  as can be seen from Fig.30b. 
The particular case of  an STOL design which employed externally-blown flaps*^ shows that trim drag is of 
considerable importance for this class of aircraft, due to the large values of tail lift coefficient 
required to trim out the very high nose-down pitching moment.    At  the forward centre-of-gravity location, 
the trim drag amounts to about  30% of the total. 

3.7.3 Supersonic aircraft 

Trim drag is of relatively-great importance in the cruise condition for a supersonic vehicle,  not 
because it is necessarily large in itself but because of the need  to develop as high a lift/drag ratio as 
possible in spite of wave drag.     This has  led to the suggestion of various different layouts  for super- 
sonic aircraft,  the choice between them in any particular case" being considerably influenced by their 
trim drag characteristics. 

Fig.31  shows the influence of centre-of-gravity position on the cruise trim drag of two tailless 
delta supersonic  transports.     One of these was an early design study^S  an(j  the other is Concorde^.     An 
interesting point is  that,  in both cases,  there is a small range of  centre-of-gravity position where the 
trim effect is marginally favourable.    Advantage is  taken of this  in the production version of Concorde 
by using the fuel transfer system to locate the centre-of-gravity at  the most favourable position.     In 
the case of the earlier study,  the fuel system was only designed to keep the centre-of-gravity within a 
given range and,  in an adverse forward  location, a trim drag penalty of some 9Z had to be accepted.     Some 
care is needed with the evaluation of take-off trim drag for  this  class of aircraft.    The early design 
atudy aircraft was designed for  take-off at the forward centre-of-gravity position, with nearly neutral 
stability and the trim drag close to zero.     In general,  the absence of wing flaps probably results  in 
take-off trim drag being  less  critical  than for a conventional layout. 

The apparent trim drag advantage of  the foreplane layout has resulted in the use of this configura- 
tion for a number of supersonic cruise vehicles.    One example is  the Blue Steel stand-off bomb^, with a 
canard surface area some 25% of the wing value.    This was found to result in a cruise lift/drag ratio 
which is some 15% higher than that of a conventional tail  layout.     In addition there is a considerable 
reduction in manoeuvre response time.    The penalty for this  improved performance is  that the roll damping 
characteristics are highly non-linear with incidence, which highlights one of the major difficulties 
associated with canards.     In a design study^S of   a    M - 3    airliner,  a canard of some  10% of the wing 
area was used;    it was kept  small to minimise the foreplane vortex effects on both wing lift and lateral 
derivatives.    The study shows a favourable  trim effect of some 2% as  the centre-of-gravity location tends 
towards the neutral point.     This is only marginally better than the Concorae value and, in any case,  is 
critically dependent upon the assumed foreplane downwash distribution. 

Two specific examples of variable-sweep strike aircraft have been analysed.     In the supersonic 
cruise case, with the wing fully swept,  the trim drag penalty varied upwards from a minimum of about 4%, 
according to the centre-of-gravity location.    The take-off trim drag characteristics are similar; 
there is a tendency for the trim drag to be a somewhat smaller percentage of the total drag, 

3,8      Sweptwing aircraft at high lift 

Based on a contribution by D,N,  Foster, RAE. 
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3.8.1    Introduction 

In order to achieve acceptable take-off and landing distances,  the maximum lift coefficient of a 
sweptwing aircraft has to be increased substantially from the value which corresponds  to the shape of the 
wing as designed for economical  cruise.    This increase is  achieved by deflecting and, possibly,  trans- 
lating part or whole of the leading edge and trailing edge of the wing section.    Whilst it is usually 
possible to allow changes at the leading edge across the whole of the wing span, often the changes at the 
trailing edge are restricted to the inner 70% to 80% of the wing span.    Thus, under high-lift conditions 
the wing differs in section from that at cruise,  has discontinuities in the position and inclination of 
the wing trailing edge across the span,  and, for high-lift devices which extend the chord, has a 
different planform with discontinuities  in chord.    As a result,  the drag characteristics of the wing in 
the   high-lift configuration are very different from those which correspond to the cruise configuration. 

In order to attempt to analyse and predict the drag under high-lift  conditions,  it can be assumed 
that the total drag is composed of three elements:- 

+ C„    + C„ (10) 

where C   is the weighted mean across the span of the drag coefficient corresponding to the local wing 
F section shape in two-dimensional flow; 

Cn  is the vortex drag coefficient of the wing; 

is the drag coefficient due tc 
boundary-layer drag. 

the effect of the three-dimensional nature of the flow on the 

The extent to which each of these quantities may be predicted will now be discussed, and indications 
will be given of ways in which it is expected that the accuracy of these predictions might be increased. 

3.8.2 Drag in twc-dimensional flow 

In principle, the drag coefficient of a high-lift wing section in two-dimensional flow could be 
obtained from a calculation of the development of the viscous layers around the wing section. Although 
it is now possible to predict theoretically the pressure distribution for highly-cambered and multiple 
wing sections" , the methods currently existing for the prediction of the development of the viscous 
layers, and in particular those applicable to multiple wing sections^, can be used only for certain 
regions of the flow, and cannot predict the complete development of the viscous layers. Improvements in 
the methods of predicting these complex flows, involving wake-boundary-layer interactions and regions of 
separated flow, possibly will entail a change from methods based on an integral approach to more (mailed 
differential methods to allow a complete prediction method to be realised for this element of the fital 
drag coefficient. 

Maskell has shown that, if the perturbation velocities due to the deflection of a leading-edge or 
trailing-edge device are assumed to be linearly dependent on the lift increments due to the deflection of 
the device, and if the boundary layer is assumed to be turbulent from the leading edge of the wing 
section, then the drag coefficient may be written as:- 

J- J1CL + J C2 

2CL, vL 2JI2CLCL. ""\\ "a.vl (11) 

vhere    C        is the drag coefficient of  the thickness distribution only; 

C        and    C        are the lift  increments due to deflection of the leading-edge and trailing-edge 
L T   devices ; 

J  , J,,...     are coefficients virtually independent of the magnitude of the associated lift 
components. 

This expression can be simplified to:- 

+ J.C^    C,   - C, (12) 

where    C_        is the minimum value of    C        occurring at a lift coefficient    C 

In order to check the validity of these  expressions,  an analysis was made of measurements, made 
under as near to two-dimensional conditions as possible, of the drag of a wing section with a slotted 
flap 93 The wing section, shown in Fig.32, had no leading-edge device, and the slotted flap was tested 
at three flap deflections whilst keeping the flap-to-shroud gap and overlap constant. At each flap 
deflection a range of lift coefficients was defined for which the flow was assumed to be fully attached to 
the upper surface of the wing flap, with no separation bubble at the leading edge of the wing. The 
analysis involved the fitting of the experimental data to Eq. (12) and showing that, with J,C„ 

invariant with flap angle, C   and C 
hi      DM 

The experimental data is compared in Fig.33 with drag polars baaed on the 

,D0 
were linear and quadratic functions of flap lift respectively. 

coefficients determined as 
. ■ 
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a result of the fitting process.  It appears that the experimental data can be adequately represented 
within the framework given by Maskell's theory. 

Two lines of development stem from this conformity of the experimental data to the theory. One is 
to follow the development of the framework further to Maskell's derivation of the drag from the velocity 
perturbations, and to carry out the integrations as he has set them down. Holt9^ has done this, using 
velocity perturbations calculated using Maskew's method. The resulting drag polars underestimate the 
measured drag consistently, but part of the discrepancy can be attributed to the effect on the growth of 
the boundary layer of the transition bands which were added to the wing to ensure a turbulent boundary 
layer from close to the leading edge under all conditions. The second line of development is to repeat 
the empirical analysis with further good-quality data, and to see if the J coefficients so derived can 
be related to the model geometry. At present, development along this line must await the provision of 
the necessary data. 

3.8.3 Vortex drag 

The prediction of the vortex drag of a wing follows from the calculation of the load distribution 
on the wing. There is currently no well-proven method of calculating the load distribution across a 
sweptwing with highly deflected leading-edge and trailing-edge devices. As a consequence, the existing 
data sheets^S £r0Bi which vortex drag may be predicted are based on linearised theory^^?, with its 
implications of small deflections of the high-lift device (say, less than 15 ) and a trailing-vortex 
sheet lying within the plane containing the wing chord. These data sheets concentrate on the effect of 
the deflection of a trailing-edge device. The vortex drag coefficient may then be expressed as:- 

Ä[« A vl 2K3CLC j (13) 

where    A    is the wing aspect ratio and    K , K.    and    K_    are constants.     However,   the linear approximation 

itself is open to a number of interpretations.    Fig.34 compares the values of the    K    coefficients as 
predicted by the method of McKie96,97, which is an extension of the method of calculating the spanwise load 
distribution on thin, sweptback wings due to KUchemann,with values predicted by the method of Garner^S. 
Although the trends with the ratio of flap span to wing span are similar,  the numerical values are 
appreciably different and this will  lead to different values  for the vortex drag.     It is for thii reason 
that it is recommended that the above data sheets" should be used only for the evaluation of limited 
excursions from reference conditions for which the total drag is known,  and not  to indicate the absolute 
magnitude of the vortex drag. 

It is possible that an indication of which of the two methods incorporates the more accurate span- 
wise load distribution might be obtained from an extension of  Sells''' method for an iterative calculation 
of the spanloading.    Nevertheless,  the final    result will remain subject  to the limitations of 
linearised theory,  and a more general approach to the calculation of  the vortex drag must await the 
development of a theory which will predict the loading on a sweptwing with highly deflected leading- and 
trailing-edge devices.    This may,  perhaps,  come as an outcome of the work of Hess'00 in extending the 
well-known Douglas-Neuman method'O'   for two-dimensional flows  to three-dimensional  flows. 

3.8.4    Three-dimensional boundary-layer drag 

One of the basic features of  the flow over sweptback wings is that wing sections close to the root 
and tip carry chordwise loadings which are different from those corresponding to two-dimensional flow. 
Thus,  even in the absence of crossflow in the boundary layer,  the development of the boundary layer for 
these sections,  and hence the drag  they experience, would be different  to that in two-dimensional flow. 
In addition, the transverse pressure gradients do result in marked crossflow in the boundary layer,  and 
so the development of the viscous  flow over a sweptwing is highly thrte-dimensional  in nature.    Thus, the 
total boundary-layer    drag differs  from the drag of the wing in two-dimensional  flow, and the term    C 
is intended to allow for this difference. A 

A calculation method to predict    C        would require not only the calculation of the complete load 
UA 

distribution over the wing,  as discussed above, but also a method of calculating the three-dimensional 
development of the type of viscous  flow which occurs under high-lift conditions.    As was noted in 
section 3.8.2,  the methods available for the calculations of the development of the viscous flow under 
two-dimensional conditions are not yet sufficiently well developed to allow the complete viscous flow to 
be calculated, and so extension to three-dimensional flow currently cannot be contemplated.    However, 
when a method is available for two-dimensional  flow, extension to three-dimensional conditions may be 
possible by following the principles used by Myring'02 t0 extend Head's entrainment method. 

An alternative approach to the determination of the three-dimensional boundary-layer drag is to 
subtract from measurements of the  total drag the appropriate values of the section drag and the vortex 
drag.    Whilst it is possible to use values of the section drag measured under as near to two-dimensional 
flow conditions as possible, as was indicated in section 3.8.3,  the values of the vortex drag will be 
subject to the limitations of linearised theory.    As a result, values of  the term   C       derived in this 

manner may include a contribution due to the possible difference between the true vortex drag and its 
linearised approximation.    McKiel03 has carried out this procedure for an unswept wing having plain 
trailing-edge flaps with boundary-layer control by blowing.    Fig.35 shows  the resulting breakdown of the 
drag for a part-span flap configuration.    In this case the value of   C        changes sign as the lift 

coefficient increases, and it contributes significantly to the total drag only at low values of the lift 
coefficient.    However, the relatively small magnitude of the contribution and the fact that it changes 
sign may well be attributed to the lack of sweepback on the wing, as intuitive arguments would suggest 
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trs that  the contribution of the three-dimensional development of the boundary layer to the  total drag would 
L~tf(' be a minimum for an unsvept wing,    McKie found that  the values of the derived three-dimensional bourdary- 

layer drag had a parabolic relationship with lift,  as:- 

\' T (14) 

and that C    (in this case negative) could be considered invariant with flap span, with C    and K 

\ \ 
increasing linearly with flap span. 

Apart from these indications, there is currently little guidance available on the magnitude of the 
three-dimensional boundary-layer drag, or on the factors which affect it. Further research is needed, 
perhaps along the lines of McKie's analysis, based on good quality data for sweptback wings with 
mechanical high-lift devices. 

3.8.5 Other contributory factors 

Whilst the thickness-chord ratio of the wing section has a direct effect on the contribution of the 
boundary layer to the total drag, calculations for the spanwise load distribution of wings with constant 
thickness-chord ratio across the span suggest that the K coefficients of the vortex drag (Eq. (13)) 
are unaffected by the thickness of the wing. 

104 ... 
It has been shown experimentally   that the addition of a fuselage to an isolated wing with a flap 

having a central cut-out in its span results in a reduction of the drag by an amount dependent on the 
nature of the junction between the inboard end of the flap and the fuselage.  The largest reduction was 
achieved when the flaps ended on the fuselage side, as would occur with a high wfng, and the smallest 
reduction corresponded to a configuration with a physical gap between the inboard ends of the flaps, as 
would occur with a low wing.  In addition to increasing the boundary-layer drag, the presence of the 
fuselage alters the spanwise load distribution, and thus the vortex drag. Whilst it is possible to 
calculate the spanwise load distribution on the wing-fuselage combination (again within the limitations 
of linearised theory) by making assumptions as to the shape of the load distribution across the fuselage, 
the method whereby the vortex drag of the combination may be found is, in general, not at all clear. Only 
in the special case of a circular fuselage mounted symmetrically on a thin wing can the vortex drag due to 
the loading across the wing and centre section of the fuselage be evaluated.  Although this estimation 
ignores the drag due to the loading on the fore- and aft-parts of the fuselage, some comparative calcula- 
tions were made 105 for a sweptwing configuration. The characteristics of the vortex-drag equation are 
tabulated. 

, 

Configuration Kl K2 K3 

Isolated wing.    Flap  from 1.012 0.486 -0.016 
centre line to 65Z 
semispan. 

Isolated wing.    Flap from 1.012 0.796 -0.030 
I0Z to 65%  semispan. 

Wing-fuselage combination. 1.036 0.486 +0.003 
Flap from fuselage side 
(10Z)  to 65%  semispan. 

Values of the vortex drag calculated from these    K   coefficients have been subtracted from the 
measured total drag, and the resultant 

Y 
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the parabolic relationship between this 
addition of the fuselage, both for the 
15 , is to increase the boundary-layer 
increment is slightly different for the 
agreement with the drag of the fuselage 
ESDU Data Item methods. Thus, it would 
any additional problems in the analysis 

sum of C   and CL  analysed, by a least-squares method, to show 
P       A 

quantity and the lit*-  coefficient (Fig.36). The effect of the 
unflapped wing and for the wing with a part-span flap deflected 
contribution to the drag by a constant amount. The value of this 
two conditions shown on Fig. 36, but the mean value is in close 
and its accompanying flat-plate fin, as estimated by standard 
appear that the presence of a fuselage probably does not present 
of drag at high-lift conditions. 

For wings with high-lift devices that extend the chord, the mechanisms which produce the extension 
usually become exposed in the high-lift configuration. The increase of wetted area results in a direct 
increase in the drag, but there may be further indirect effects. The wakes which are shed from the 
extension mechanisms of the leading-edge device pass close to the upper surface of the wing, and have been 
shown'06 t0 cause regions of separated flow to appear on the wing upper surface.  The drag is then 
increased both by the separated flow regions and by the changes of vortex drag resulting from the non- 
uniform spanloading. 

3.8.6 Concluding remarks 

The estimation methods which exist for the prediction of the drag under high-lift conditions are not 
yet adequate to allow an accurate calculation for a specific aircraft configuration, but will only allow 
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determination of the effect of small perturbations  from a reference configuration for which the total 
drag is known.     In order to improve the position,   theoretical research will be required into calculation 
methods  to predict  the  load distributions for wings with highly deflected high-lift devices and to 
predict  the  three-dimensional development of the types of viscous layers present under high-lift con- 
ditions.     Such research will need to be supported by experiments designed to produce good quality data on 
the drag of sweptwings with high-lift devices and basic two-dimensional data. 

3.9      Excrescence drag 

Based on contributions by D.K.  Tipper,   HSA   Hatfield,  and by R.E. Keates and D.I.  Husk, HSA 
Manchester. 

\ 

3.9.1    Cruise configuration 

Below the drag rise,  about 80% of the dra^ of a modern subsonic jet transport can typically be 
accounted straightforwardly by estimates of profile and vortex drag, whilst  10% can be  attributed to 
interference drag.    The remaining 10% is due to what can be broadly described as  'excrescence' or para- 
sitic drag,  covering all drag sources that would not normally be represented on a wind-tunnel model   (see 
Figs.37 and 38).    Even if the contribution from excrescences is only  10%, the situation cannot be regarded 
as satisfactory.    A main reason for this conclusion is that aircraft design involves  compromises which can 
only be properly reached with adequate information, which is not yet available for excrescence drag.     It 
should also be emphasised that  10% is a typical contribution and, whilst it will not have been achieved 
without considerable effort,  it is possible to do  a lot better if the incentives are strong enough; 
moreover,   in a badly-controlled situation,  it is undoubtedly possible to do a great deal worse.    Further, 
what is  right for Concorde, where the fuel  fraction is high and the payload fraction low,  is unlikely to 
be right for the HS 7A8, where these fractions  are very different and the economic penalties of excrescence 
drag are relatively small.    However,  it should not be inferred that excrescence drag is unimportant  for 
any class of aircraft;    even a crop-sprayer will be able to carry an increased load and cost less  to run 
if unnecessary drag  is avoided.    There is another  important factor, namely predictability.     It is 
obviously convenient  for the aerodynamicist to insist on a minimum of excrescences,  since  their drag is 
both difficult and laborious to estimate.    Further,  he may well be committed to meet an early drag 
estimate  that  took inadequate account of the appropriate relationship between low drag on the one hand, 
and simpler engineering or lightness on the other. 

Some of  the basic tools required for excrescence drag estimation are to be found  in Hoerner 
His excellent volume catalogues and summarises the majority of the work done between  1930 and  1945 and, 
as  a starting point,  is quite indispensable.    Since that date  there has been very little attention paid 
to the subject, with one notable exception - the work carried out in the 8ft x 8ft wind tunnel at RAE, 
Bedford.     This work108,109 i8 particularly valuable in two quite different respects.     It has provided 
systematic data on the effect of   freestream  Mach number  (though not in the transonic range) and also 
introduced new thinking into the analysis of,  and hence the application of,  test data.     However,  it  is 
when one comes to the problem of estimating excrescence drag in a real situation that the full 
deficiencies of  the data and methods at our disposal become apparent.    The whole range of shapes and 
situations can never be fully covered and the mutual  interference between the excrescence and the flow 
field in which it finds itself has received little attention.    The best that can be done at present  is to 
take the drag of a, hopefully, equivalent object,  as measured when mounted on a flat plate rig;    to 
correct  this  for degree of immersion in the boundary layer;     and to allow for the two-dimensional effect 
of local velocity and velocity gradient just outside  the boundary layer, using the method of Nash and 
Bradshaw.     If  the excrescence is one of those tested at RAE,  a rather more sophisticated evaluation of 
boundary-layer effects  is now possible and the influence of Mach number will be better known than is 
usually the case.    However,  any estimates of three-dimensional effects, particularly  those involving 
promotion of early separation or local shocks,  and of the dvt g resulting from the complex internal  flows 
that result  from leakages through high-lift systems  and flying contrcls are little more  than speculative. 
Nevertheless,  this approach is generally acceptable because,  despite all these uncertainties, no one item 
is  large,  even in relation to merely the total excrescence drag and thus, as long as  systematic errors 
can be avoided,  the aggregate can be viewed with reasonable  confidence  (see Tig.38).     Equally important 
is  the insight gained into sources of drag and their relative importance and the consequent ability  to 
improve drag standards and predictability. 

The quality and quantity of the data available needs  to be improved.    However,  it would be 
uneconomic and take too long to start again from the relatively-small beginnings represented by the recent 
RAE work.    A major aim of future research should be   improved   understanding of the mechanism of 
excrescence drag.    This ought to lead to a situation in which existing data of acceptable standard can be 
better applied and in which estimates for untested shapes can be made with reasonable  confidence.    With 
regard to the question of correction for different boundary-layer conditions, encouraging test results''^ 
have been obtained at RAE in confirmation of the Nash-Bradshaw theory1"  of drag magnification and other 
tests!12 are proceeding at Leicester University.    More information is needed on the characteristics of 
three-dimensional boundary layers and the influence of three-dimensional conditions on excrescence drag. 
The effect of a very strong favourable pressure gradient,  such as exists just downstream of the stagnation 
point,  should be studied.    There is also the question of the effect of the depth of  immersion in the 
boundary  layer on the drag of an excrescence.    The concept of effective dynamic pressure   (e.g. 
Weighardt1^ and Tillman11^) works reasonably well  for excrescence heights greater  than about  10% of  the 
boundary-layer thickness, but for smaller excrescences this  approach appears to predict drag values which 
are too  low and the RAE analysis using a Reynolds  number based on friction velocity seems more satis- 
factory.    Here again,  further experimental study should be aimed at obtaining a better physical 
understanding. 

There  is a parallel need to establish specific drag data not covered by work already in existence 
or in hand.     The main requirements are seen as being:- 
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(c ) Medel representation of aircraft high - lilt system 

(b) Aircraft high-lift sys~em 

Fig.39 Comparison between aircr'lft and model high-lift systems 
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(a) Rivets. The drag of rivets is probably the most important example of the analysis problems 
discussed earlier and thus, although there is a fair amount of data available, it is desirable to do a 
direct assessment of tne  types of rivet and other  fasteners that  are  currently in use; 

(b) Fairings.    Over the years fairings have developed away from the part-bodies-of-revolution 
usually tested towards much more two-dimensional forms.    There  is,  therefore, a need to explore the 
effects of aspect ratio and fineness ratio on drag; 

(c) Inlets and outlets.    Although there is a considerable body of data       on the drag of inlets 
and outlets  it relates,  in general,  to poor designs and there  is need for drag measurements on auxiliary 
inlets and outlets that are representative of good modern design practice.    These tests should include 
internal performance assessment and be followed,  if necessary, by development work; 

(d) Gaps  in flying surfaces.    A limited body of data on the drag of control gaps exists  including 
some recent work''0 by RAE.    However,  there appears  to be little published data on the drag due to 
leading-edge slats in the closed position, or that resulting from the complex flow paths that exist 
around the flaps of a modern aircraft.    Data on the effect of gap sealing and on different methods of 
sealing are also required. 

3.9.2    High-lift configuration 

Most of  the foregoing comments on fluid dynamic aspects of excrescence effects in cruise conditions 
are equally applicable to the high-lift case.    However,  the division of drag between profile, vortex, 
interference and excrescence contributionr is nowhere near as  simple as in cruise.    Moreover,  the relative 
importance of various  types of excrescences is different, particularly in view of the need  to meet flap 
and slat engineering requirements.    In order to define the importance of excrescence drag at high lift as 
a research topic,  it is vital that contributions should be apportioned in roughly the right ratios. 
Allowing for  the drag arising indirectly from the need to increase the flap deflection to maintain flap 
lift, direct and indirect excrescence drag typically can account for  10% of the aircraft drag for a modern 
developed high-lift system (see Fig.37b).    This could well be doubled with an inferior system.     The 
proportion of drag attributable to excrescences is thus similar to that at cruise.    The effect can be 
striking because of the ditect link through climb performance with take-off weight.    Thus,  a  10% reduction 
in   D/W    can allow the take-off climb-gradient  limited weight  to be increased by 8% for a typical case. 
In view of  its  importance,   it  is  surprising that drag  at high  lift and excrescence drag have  not attracted 
more general  research effort.    To be fair,  this subject has received considerable attention  in recent 
years  in the design and development of specific projects.    Further worthwhile improvements  are certainly 
feasible and,  as in the case of excrescence drag at  cruise,  there is a need to be able to choose with more 
certainty an optimised  compromise between performance,  weight,   cost,  and complexity. 

The results of cruise excrescence drag tests  should be applicable to high-lift flight,  provided 
these covev  appropriate ranges of Reynolds number, Mach number and pressure gradient.    Lower Mach numbers 
will be involved than for cruise flight, Reynolds numbers are rather less, but pressure gradients 
significantly greater.    Mach number effects are usually, but not always, small at subsonic speeds. 

There are a few available tests at high lift of small excrescences of such sizes  that  their 
characteristics  are considerably affected by the boundary-layer conditions.    The data are mostly old and 
the types  of roughness  elements used were not representative of modern practice,  so that  the results are 
of doubtful applicability.    However,  they do show that, at least in some cases, there can be  significant 
differences between excrescence effects at high and low lift.    The fact that one has to refer back forty 
years''^ for limited evidence of such differences serves to illustrate the need for further research. 
Since pressure gradients are likely to be greater at high lift, Nash-Bradshaw type magnification factors 
should be larger  than for low lift.    However,  it should still be possible to apply the existing 
procedures under high-lift conditions;    recent developments  in boundary-layer theory and  computational 
procedures  could be helpful in developing use of the Nash-Bradshaw technique. 

It is in the field of flap-slat engineering that there are the most marked differences  from the 
cruise case.    There is virtually no published information,  although there have been a number of 
unpublished tests to show the effects of flap tracks,  linkages,  fairings,  slat brackets  etc.    Such 
features  are often comparable in height to the boundary layer.    Scale effects are,  therefore,   large, and 
it is  inherently difficult to represent these items realistically on models of ordinary size and still 
obtain reasonably-valid results.    This problem is  illustrated by Fig.39, which shows a high-lift model 
designed for use in the  RAE   Bedford 8ft pressurised tunnel in comparison with the actual  aircraft high- 
lift system.    Apart from this, many of the specific test results may not be made available for general 
use.    Further,  there are likely to be too many inconsistencies between the various investigations  to make 
a general  analysis practicable.    Since the drag increments of all such items on a typical  aircraft  are 
far from negligible in total,  there is a case for a further  series of self-consistent systematic investiga- 
tions.     In this case,   tunnel-wall tests do not seem to form the best approach.    It would seem better to 
test such items on two-dimensional aerofoil sections, which could be swept if required.     It should be 
possible to achieve sufficiently-high values of the Reynolds number in a low-speed tunnel of moderate size. 
Pilot tests could be made for representative cases  to determine the minimum Reynolds number at which tests 
should be run.    There it the possibility of substantial compressibility effects occurring in flows  through 
slots, making simulation of the correct flight Mach number important, and the models needs  to be  large 
enough to allow accurate reproduction of detail as well as  to provide a minimum Reynolds  number.    Flow 
field tests would also be useful, particularly as regards the assessment of wake effects due to the 
supports for leading-edge devices. 

3.9.3    Concluding remarks 

Excrescence drug  is a topic that has received  scant attention in the past twenty-five years.    Renewed 
interest,  at  least in the UK,  is leading to a better  situation, based on the fundamental work of Winter, 

.' 



et al. at RAE. However, a great deal remains to be done both on the application of two-dimensional da ta 
tn real situations and on the establishment of drag data and desisn r- .~nc:~les for those exc r escences 
which repeatedly occur. 

4 ON THE MEASUREMENT OF DRAG N WIND-TUNNEL EXPERIMENTS 

Based on a contribution by C ~. Taylor, RAE. 

4.1 General requirements and experimental method 

Exacting standards are required, either for validation of theoretical methods of drag prediction 
or in the support of specific projects. Model drag measurements generally should ~~made at the correct 
Mach number in an e~ryeriment ~erformed to stand rds which allow the basic accuracy to remain adequate 
after extrapolation to ful l-sc~le conditions. The accuracy which is desirablell7 is roughly I drag 
count (CD~ 0.0001) for aubsonic cruise conditions or ! drag count (CD= 0.00005) for supersonic 

cruise conditi or.~, altlough higher resolution may be needed to interpret variations with Reynolds 
number, to under~ ~and the effect s rf small changes of configuration, and to establish sting interference. 
The achievemen~ ~~ SL~h accuracies implies balance resolutions and repeatability of better than 0.001 to 
0.002 in normal fo~ce coeffici~nt, 0.00005 to 0.0001 in axial force, and 0.01 d~g in incidence. The 
special problems ol tunnel testing at high-lift conditions are not considered in this paper. 

There are several designs of internal balance which offer adequate sensitivities but temperature 
effects seriously degrade the repeatability and thus the accuracy of the measurements. It is very 
di fficu lt to simulate in the laboratory the changes in balance environment which may occur during model 
tests. Further, the current methods for temperature compensation are, at best, unsophisticated. 
At present, the inaccuracies due to temperature effects should be minimised by a. combination of careful 
balance design (to ensure good heat flow from one section of the balance to another) and by suitable 
control of the balance environment (for example, by control of tunnel total temperature). Variations of 
humidity of the air surrounding the balance can also pl·ove a serious source of error. Suitable remedies 
entail control of the tunnel humidity, maintenance of the power supply to the strain-gauge bridges when 
not in use, and storage of the balance under condition~ equivalent to those prevailing in the t••nnel. 
In addition, the gaugec may be watPrproofed, using proprietary dopes. 

The incidence requirement is also exacting; there are wind tunnels having quadrants with ex,cessive 
backlash or insufficient angular resolution, mounted on support systems lacking in rigidity. In such 
cases, recourse is made to high-resolution accelerometers; depending on the steadiness of the tunnel 
flow and the design of the quadrant, three or perhaps more pitch readings are taken at each datum in the 
hope that the mean value will reach the desired accuracy. In t ~ e USA, tuned dampers have been installed 
in tunnel models to reduce the vibrations due to flow unsteadines s. In some transonic tunnels, where 
the model is mounted from a long sting, the amplitude of model os cillation may be sufficient to cause 
longitudinal (cent rifugal) acceleration f orces equivalent to seve ~1 drag counts. Hi gh-resolution 
accelerometers are also prone to most of Lhe problems associated with strain-gauge balances. 

Measured angles of pitch must be corrected for flow angularity, which is best done by testing the 
model erect and inverted over the full incidence range; provided the flow angularity is small enough, 
the mean of the erect and inverted readings can be regarded as corrected datal IS. However, for large 
models, the measurements will also be affected by the streamwise curvature of the flow (fairly common in 
supersoni c tunnels) and by spanwise variations i the flow angularity. In such circumstances•, the mean 
drag will not be the v3lue appropriate to a uniform flow. Flow angularity and swirl effects seriously 
limit the accuracy which can be achieved in many tunnels. 

The flow in supersonic tunne ls is usually very steady and the main problems usually are connected 
with temperature and flow angularity effects. In subsonic and transonic tunnels, model Oci cillations are 
an additional problem, although matters can be significantly improved if the tunnel flow is choked in the 
diffuser and a good incidence quadrant is provided. 

4.2 Extrapolation 

It is necessary to allow for:-

(a) changes of Reynolds number, transition position, surface condition and heat transfer; 

(b) the effects of tunnel constraint, non-uni formity of tunnel flow, aeroelastic distortion of 
the model, and the actual shape oi the aircraft under flight conditions; 

(c) excrescences not represented on the model, internal flows, changes of intake flow and effects 
of the jet. 

In espect of the first group of effects, extrapolation to full-scale requires a detailed knowledge of 
the boundary layer on the tunrel model and the aircraft. Model tests at low Reynolds number should 
include careful assessment of test Reynolds number transition-trip effects. Trip drag is deduced from 
measurements with different trip htights or by variation of bandwidth, necessitating good accuracy and 
repeatability of drag measurement and (for tests with variable trip height) careful control of trip size 
and particle density. The larger trips may well affect the boundary-l ayer development downstream of the 
trip, leading to changes in lift at constant incidence and, possibly, non-linear variations in drag with 
trip height. Even if full-sc~le Reynolds numbers can be achieved, allowance may be necessary for surface 
condition and heat transfer, each of which can affect the boundary-layer development; consideration may 
also need to be given to the freestream turbulence level. 

The second group of corrections all interact on model design. For example, it is obviously better 
to test a model which fully represents the aircraft shape at a selected condition where drag is impor;ant, 
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than test a model faithfully represent! 
model manufacturing accuracy standards, 
arrange that the effects of aeroelastic 
allowed for at one test condition, thus 
model support system also limits the ex 
tion is needed for the change in geomet 
usually determined by supplementary exp 
Longitudinal pressure gradients in the 
special  calibration techniques  are nece 

ng  the aircraft jig-shape.     Careful consideration must be  given to 
which  often are demanding.     In certain cases,   it  is  possible  to 
distortion and  tunnel constraint on the effective shape  are 
reducing the  size of  the corrections which are  involved.     The 

tent to which the model represents  the aircraft,  so that  correc- 
ry and  tho  irorward effect of  the  sting.     Such corrections  are 
erimeiti,     for which various  techniques have been devised''9. 
tunnel-empty flow nave a powerful  effect on drag measurements; 
ssary to  ensure corrections  of  adequate accuracy. 

Tunnel  interference poses  a range of problems for  the user of ventilated-wall  tunnels,  principally 
because one does  not know for  sure  the effective porosity of  the  tunnel walls.    A common method  for 
deducing  the effective overall  blockage is  to compare  data for open and closed wall  tests  in the  same 
tunnel,  using a reference -nodel.     The solid-"all results,  suitably  corrected,  are taken as  correct  and an 
effective porosity,  based on the classical  corrections'•9 for vanishingly-small models,  is deduced. 
These corrections,   and  the  inferred effective  porosity,  have  then to be  assumed to apply  for higher Mach 
numbers  at which  the model  could not be tested with solid  tunnel walls.     It is very doubtful whether  the 
desired accuracy of  0.0001   is attainable  in the  transonic speed range at present.     It  can be argued that 
the attainment of  the required accuracy for subsonic  conditions necessitates a closed-wall  tunnel with a 
choked diffuser and a  stiff  sting support,  as  provided by  the   RAE    Bedford 8ft  tunnel.     In such a tunnel, 
the maximum Mach number will  be  limited by  the non-uniformity of  the  blockage corrections.     Supposing the 
latter are  limited  to ensure  that the variation of Mach number does  not exceed 0,003 over the model,  then 
the probable errors  are  less  than would apply with a ventilated-wall   tunnel of the same size. 

Turning now to the third group of corrections, we note that very few aircraft excrescences  can be 
represented on the model   (see  section 3.9).     Those that  are  expected  to  affect  the general  flow should, 
of  course,  be  fitted;     these  include wing fences,  flap-track fairings,   and large control gaps.     It  is 
advisable  to be able  to remove  such excrescences  so as  to measure  their drag.     Internal  flows provide 
another  big problem.     Since  the  intake is  invariably upstream of  the exit,  and intake  spillage effects 
can interact on surfaces downstream of the intake,  it  is generally better to allow some distortion of the 
exit  geometry  to achieve more representative intake flows,  rather  than the reverse.     Subsonic  testing 
presents more difficulties  than supersonic.     For instance,   in tests of  the Super VC  10,  a 50%  increase  in 
exit  area of  the  free-flow nacelles was barely enough  to increase  the  intake flow to  the point where 
spillage drag  is   largely  independent of the intake flow,  the  aircraft  design aim.    There appears  to be no 
really  effective way of getting the correct  intake flow for nacelles  of high-bypass-r>tio fans,  other than 
by distorting  the gas-generator  cowl,  or omitting  it  altogether.     The accuracies  involved tend  to preclude 
the use of blown or  powered nacelles, although it must be  admitted  that  there are some who have  convinced 
themselves  that  such devices  can be used to obtain accurate measurements of nacelle  interference  drag, 
given sufficient  attention to  flow calibration problems. 

The measurement of  internal drag deserves  careful  thought,  commencing at  the stage of model  design. 
For  short ducts  in subsonic  tests,  it  is worthwhile designing a smoothly-contracting duct  that will 
maintain a laminar boundary  layer through the exit and  ensure a fairly-uniform core  to  the  flow there. 
The core Mach number  can then be measured by static pressure  tappings  at  the exit and one-dimensional  flow 
equations used  to estimate  the velocity distribution along  the duct  sufficiently accurately  to estimate 
the boundary layer  at  the exit.    The isentropic and friction components of  the internal  drag can then be 
calculated.     Comparable accuracy can be attained at  supersonic speeds'^0 if  the intake  shock  is  suitably 
located.    Otherwise,   recourse to comprehensive  surveys of  the exit  flow is necessary,  but  these seem 
unlikely  to provide  estimates of internal drag which are accurate enough  to justify detailed drag  analyses. 
Supplementary experiments  are needed to measure  the effects of  intake  spillage and of jet effects  on the 
afterbody.     It  is  essential   that  the configurations  tested  include one which represents  closely  the wind- 
tunnel model  configuration used  for  the overall drag measurements. 

4.3      Concluding remarks 

Accurate  and meaningful measurements of model drag and extrapolations  to full-scale are  certainly 
difficult  and  require  careful  planning with attention to detail.    Often,  a special model and balance will 
be necessary,   together with a set of  subsidiary experiments.     Elevated standards of measurement  and 
technique are essential.    Many,  if not most,  existing  tunnels  are unsuitable, merely because  the quality 
of flow is inadequate.    In particular,  the present generation of transonic tunnels tend to suffer  from 
unsteady  flows,  and  the knowledge of tunnel  interference  is  not yet  such as to allow calculation of  the 
effects on drag of non-uniform interference.     Such problems  are exacerbated by the current  tendency  to 
use models which are rather too big for the  tunnel.    The biggest single problem is that of representing 
the engine flows  in a way that allows the drag to be analysed and synthesised from a related series of 
model  tests. 

Unfortunately,   there  exists a degree of  complacency about  the general accuracy  achieved  in model 
drag measurements.     Possibly,   this arises partly from the difficulties  involved in effecting convincing 
correlations between  tunnel  and flight data.    This situation may well be aggravated by the fact  that air- 
craft drag measurements are seldom aimed at resolving  the main problems  inherent in the extrapolation of 
model results  to full-scale conditions.    Elevated standards of  test design, execution and analysis are 
certainly essential  if model  test data are to be of maximum value in drag modelling. 

5 ON THE MEASUREMENT OF DRAG  IN FLIGHT 

Based on a contribution by Dr.  C.S.  Barnes, RAE. 

5.1      General considerations 

The present conference  is a tacit admission that much remains  to be done to ensure that drag 
prediction methods achieve  sufficient accuracy  in major areas.    To obtain adequate validation of such 
methods,  including those used to extrapolate model-scale results^  it  is essential to have a body of 
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high-quality data on aircraft drag, both accurate and reliable.  The overall systematic error in derived 
drag needs to be limited to about 17,.    The aircraft engine and atmospheric ambient conditions must be 
well-defined;  the physical condition of the aircraft at the time of test is of particular importance and 
should be determined in some detail. 

•A 

Most flight measurements  of drag are made by  the airframe manufacturers during performance  tests  on 
prototype  and development  aircraft.     Such tests  are made  at  a  time when commercial pressures dictate  the 
need for rapid results.     Furthermore,  the accurate measurement  of  drag will  not be  the main aim of  such 
flight  testing,     This   is   particularly so  for transport  aircraft,  where  the  need  to demonstrate overall 
engine/airframe performance  as   it  affects,  for example,  field  length,  climb gradient,  or  specific range 
at cruise is  of paramount  importance.    Drag measurement is  commonly regarded  as a diagnostic  tool, 
necessary  in an imperfect  aeronautical world because  the prototype aircraft will rarely reach its 
predicted performance without  some modification.    Moreover,   the measurement  of drag  is  necessarily  linked 
to the measurement  of engine  thrust;     this  is  inherently difficult,  but  even more so in the  situation 
likely  to pertain during   tests of  a new aircraft, where  the  engine  is often  itself at  the development 
stage. 

It  follows  that manufacturers'   development  tests  are unlikely  to yield  drag data of  sufficient 
quality to enable a confident assessment of prediction methods  and of  the usefulness of wind-tunnel  tests. 
A notable  exception,  however,  has  been the Concorde  flight  test  programme,  which has yielded data of   the 
highest  quality.     The  operating economics which follow from  the  inevitably-smaller payload  fraction of  a 
supersonic  transport  placed  a particular premium upon accurate  drag measurements  in  this  case,  especially 
as  the prototype aircraft  differ  in  significant respect  from the  production model.    However,   even here 
the measurements were necessarily concentrated on those areas of particular commercial  importance,   such 
as  supersonic  cruise,   so   that,   for   instance,  the range of   lift  coefficient  over which drag has  been 
measured is  small. 

Thus,   if high  quality and  comprehensive  aircraft  drag data  are  to he measured in flight,   it would 
appear essential  that  the  exercise must  involve  a research programme on a well-developed  airframe/engine 
combination,   directly under  the  control  of a research establishment or by  an aircraft  company under  con- 
tract.     In general,   it  cannot  be  expected that  drag measurements  alone will  suffice.     Indeed,   it will 
normally be necessary  to measure other parameters  to achieve adequate understanding of  the  sources  and 
reasons  for   the measured  drag.     Typically,  this may  involve  extensive pressure plotting of  the wing  and 
of boat-tail  and base  zones.     Also,   structural  distortion  in  flight may  need  to be determined  so  that 
wind-tunnel  results  can be  extrapolated to the  correct  in-flight  shape. 

The scale of  such an exercise should be recognised  from the outset,  and adequate support arranged 
both in respect of manpower and  facilities.    Not  least  amongst  the needs   is  accurate  assignation of 
thrust,  which will  be briefly considered. 

5.2     Thrust determination 

The accurate measurement of   thrust  in flight remains   the most difficult part of  any drag measure- 
ment  exercise,  and  is  a problem which has not yet been properly  solved.     The best-documented  and most 
extensive British work in this field'21  is that on the Avon engine fitted to the Fairey Delta 2 super- 
sonic research aircraft.    Following extensive engine calibrations  in both sea-level and altitude test- 
beds at NGTE,  several methods of  thrust determination were evaluated in flight.    The results from this 
exercise demonstrated that altitude test-cell calibrations are needed to avoid possibly misleading extra- 
polations of  sea-level  test-bed data to representative flight jet pressure ratios  (Fig.40).    The need  for 
altitude-cell calibrations is now generally accepted if high quality thrust measurements are to be made. 
Preferably,  flight instrumentation should be included in the test-cell rig. 

Even with the use of the altitude cell, uncertainties remain.    The flow distribution associated 
with the aircraft  intake  is not represented normally;    this may affect  thrust calibrations in, or even 
downstream of,  the engine.    Further research on this aspect  is needed.    Again,  the external flow at  the 
nozzle  is absent,  and its effect on nozzle performance must be allowed  for by use of model-scale tests. 
The increasing complexity of modern engine installations makes  calculation of thrust based on internal 
measurements of pressure and temperature etc., so-called gas-generator methods,  increasingly difficult'22. 
Experience on Concorde confirms,  however,  that high-quality thrust measurements on complex installations 
can be made providing a sufficiently detailed attack is made on the problem.    Considerable effort  is 
being expended by the UK aero-engine and airframe companies  in collaboration with the research establish- 
ments in a joint appraisal by the MIDAF Study Group on Thrust and Drag Measurement in Flight.    General 
guide-lines covering the major aspects involved in thrust measurement in flight are now in preparation. 

As a further  attack on the problem, RAE and NGTE are beginning a joint programme to design, 
manufacture and test a rake which will traverse across the propulsive jet immediately downstream of the 
nozzle exit.     In principle, net thrust can be deduced from temperature and pressure distributions in the 
jet, with only minor corrections for engine bleeds.     If this ideal can be realised in practice,  the 
traversing rake offers a considerable simplification in the measurement of  thrust, particularly under 
reheat conditions on aircraft with variable nozzles where the measurement of nozzle area is extremely 
difficult.    However,  numerous technical difficulties result fiom the hostile environment in the jet. 
Construction of a rake capable of remaining within the jet long enough to minimise the effect of  the time 
constants of  the sensors,  particularly the thermocouples,  is difficult.    The traversing rake is not a new 
concept.    An early design was tried in the tests'^l  on the Fairey Delta 2  (Fig.41) with a measure of 
success.    Considerable work'23 has been done in the USA,  including detailed traverses behind turbo-jet 
and bypass engines,  although difficulties were experienced in the latter case.    NGTE have made extensive 
studies on a rake similar to that used in the American research and identified areas where improvement is 
feasible by use of  a stiffer rake,  improved sensors and more detailed traverses.    The joint NGTE and RAE 
programme has been started as a result of these studies, with a view to testing the new rake design 
behind an engine in the  coming year. 
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It is not to be expected that the MIDAP deliberations and the planned research on the rake will 
solve the problem of thrust measurement in flight.    However, it is felt that identification of the 
particular approach most likely to succeed for a particular powerplant installation should be assisted 
materially by such an approach. 

5.3      Drag determination 

In order to measure drag in flight, having overcome the major problem of thrust measurement, one is 
left with determining the thrust minus drag term.    The classical  technique,  that of steady,  stabilised 
levels, aims to induce this term to as near zero as possible.    Normally, only minimal corrections for 
altitude and airspeed changes are required to time-averaged data obtained during intervals of the order 
of a minute.    This technique is extremely demanding on flight test time and is  in the main limited to the 
range, of conditions attainable in straight-and-level flight.    Not only is it expensive in terms of time 
and money, but also it is restrictive in that the range of lift coefficients at which drag can be 
measured is relatively small at a given Mach number.    Limitation to a level flight condition '." most 
undesirable in a research exercise aimed at the production of data for validation purposes.    In particular, 
measurements close to zerö-lift conditions are needed to define the minimum drag with adequate accuracy. 

It is now more generally accepted that quasi-steady techniques, where the aircraft acceleration is 
recorded continuously during relatively-slow changes of aircraft speed, can yield sufficiently high 
quality drag measurements.    Such techniques allow at least an order of magnitude increase in the amount 
of data that can be obtained in a given time,  compared with the stabilised-levels method.    A disadvantage 
could be that drag measurements based on a series of readings at single instants of time might be 
expected to show rather more scatter than the same number of measurements, each obtained by averaging 
over a period of time, as in stabilised levels.    However, the great increase in number of data points 
obtained with the quasi-steady techniques allows a mean line to be drawn with great confidence. 
Sufficient computing capacity must be provided to process the necessarily large body of data in a time- 
scale consistent with the need for corrected results to guide the flight programme. 

A small sample of the data obtained in the RAE tests on the Fairey Delta 2 aircraft is shown in 
Fig.42;    more extensive results can be found in the full report'24,    The data at high   C     were obtained 

during turns in which quite high values of normal acceleration were present.    The scatter of the data, 
most of which was obtained under quasi-steady conditions,  is seen to be small;    no significant 
differences were found relative to data obtained during steady levels.    The Fairey Dele 2 tests were 
made at a time when instiunentation and recording techniques were less well-developed than now, and much 
improved accuracy is now possible. 

Further evidence justifying the use of quasi-steady techniques has recently been forthcoming from 
tests on a Buccaneer aircraft, with a variety of external stores, which have been made by Hawker-Siddeley 
Aviation Ltd.   (see Fig.10).    These tests  form part of an extensive research programne to derive prediction 
methods for the drag of store installations.    Preliminary analysis shows no significant difference between 
results obtained using the two techniques. 

Two possible criticisms of the quasi-steady technique should be mentioned.    Firstly, part of the 
scatter on drag measurements is related to the difficulty of measuring incidence precisely;    incidence is 
needed to resolve the components of aircraft acceleration, as measured by aircraft-mounted accelero- 
meters, along directions along and normal to the flight path.    However, for the purposes of comparison 
with predictions and tunnel results,  there is no fundamental reason why accelerometer axes should not be 
used. 

The second objection is that since quasi-steady techniques involve continuous, albeit slow, changes 
in flight conditions, the engine conditions are not sufficiently stable to justify the use of thrust 
calibrations derived in an altitude test-cell under stable conditions.    Experience with the Fairey Delta 2 
and the Buccaneer does not suggest that this is a problem, although further comparative tests with 
different rates of change of flight conditions would be helpful, possibly using the rake traverse 
technique if the jet can be spanned in a time sufficiently short that the change of flight conditions 
involved can be ignored. 

5.4     Concluding remarks 

Accurate measurement of drag in flight and, by implication, thrust is a task of very considerable 
magnitude.    To be of real value in validation of prediction methods, systematic errors greater than about 
1Z in drag cannot be tolerated.    In order to approach this target,  the expenditure in manpower,  time and 
money must be substantial and a concerted programne of flight, powerplant and model tests, supported by 
computing facilities, will be required.    The short-term expense needs to be set against the potential 
gains in aircraft operating economics and possible reductions in R & D expenditure for future aircraft 
designs. 
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Appendix 

A DATA ITEM SERVICE FOR AIRCRAFT DRAG ESTIMATION 

Based on a contribution by M.D. Hodges, et al, ,  ESDU 

l*i 

'  • 

A.1  The ESDU concept 

In 1940, at the request of the UK Government and Industry, the Royal Aeronautical Society 
established a small Staff (the Technical Department) to work with Technical Committees in the provision 
of authoritative data for use in aircraft design; from this developed what is now known as the 
Engineering Sciences Data Unit (ESDU). The original form of what is now called an ESDU Data Item was the 
well-known R.Ae.S Data Sheet, first produced for Stressed Skin Structures and shortly afterwards intro- 
duced for the subject of Aerodynamics. The subjects now covered have expanded to include in addition to 
many still specifically of aerospace interest others more directly related to the needs of chemical, 
mechanical and general structural engineering; a number of other professional institutions now collabor- 
ate with ESDU, in audition to the Royal Aeronautical Society. 

The principle» behind ESDU's work may be briefly described as follows.  In each subject area, an 
expert conmittee defines a progranme of work based on its own particular needs for Data Items, paying 
special attention to the views of members invited from Industry, which represents the main eventual user 
of the Data Items; other Conmittee members are drawn from research laboratories and academic institutions. 
Qualified permanent staff members at ESDU collect on a world-wide basis from the literature and many 
unpublished sources a mass of basic data relevant to these established needs. They then attempt to 
correlate the valid data filtered from this mass, resolving apparent conflicts, constructing new mathe- 

■matical models to generalise collections of experimental data, comparing established theories with 
available experimental data and so on, as appropriate to each case. The results are drafted into a form 
which reflects the needs of the eventual user, is straightforward to apply, states the ranges of 
applicability, illustrates calculation procedures with flow charts or numerical examples and, above all, 
represents as authoritative a statement of the known facts and numerical data as can be made at the time. 
After exposure to rigorous examination by the appropriate Technical Committee and additional specially- 
invited experts and after any necessary redraftings and re-examinations, a Data Item is issued.  It 
should be understood that the most appropriate form is sought for a Data Item;  this could include pro- 
duction as a computer design program package. 

It is interesting to reflect here that AGARD and ESDU have certain features in common and have 
collaborated usefully*.I,A.2 in several subject areas. Both have permanent Staffs that are small relative 
to the comnunity involved and both are international in character.  Increasingly, the work of ESDU is 
being carried on as an international cooperative venture. World-wide sources of data have always been 
used and a rapidly increasing number of new recipients of the service are sited in some 40 countries apart 
from the United Kingdom. Over recent years, the direction of ESDU's work by the Technical Committees has 
been widened to include membership from companies and establishments overseas and this trend is being 
encouraged. 

The outcome of what is, undoubtedly, a time-consuming and expensive process is the replacement of a 
mass of often-conflicting information, widely scattered through the literature and partly unpublished, by 
a straightforward statement of authoritative data produced to very high standards, backed not by the view 
of one individual but by a consensus of opinion amongst those best able to judge. Further, the existence 
of permanent staff enables any user of this service to obtain immediate assistance on the application of 
the data and to draw the attention of Involved professionals to his data requirements. 

A.2  Origins of MIDAP 

It is a feature of the technological world that there Is a revival of interest in a particular 
subject area from time to time, often brought about by a new advance. Just such an advance occurred about 
the time that Nash, Moulden and Osborne^*-* questioned the once-classical assumption that the drag coef- 
ficient of an aerofoil section at constant incidence was insensitive to compressibility effects below the 
critical Mach number. Their paper quickly led not only to a greater understanding of the development of 
profile drag on a two-dimensional aerofoil but also to a realisation*1^ that confidence in the methods of 
profile drag prediction would depend on the derivation of a reliable method for estimating the effects of 
compressibility and viscosity for Mach numbers up to the critical value. 

During the subsequent decade, there have been significant advances in just this direction. 
Principal among these has been the achievement of Powell*-5 in developing a method for calculating the 
subcritlcal pressure distribution on an aerofoil in compressible viscous flow. Powell's original concept 
has now been further developed*-0»*'^. Incorporating the more-recent description of compressibility 
effects due to Lock and Wilby. Coupled with advances in predicting the growth of the turbulent boundary 
layer*-B-A.10| much more reliable estimates of profile drag can now be provided than by the concept of 
form factors, which was sometimes wrongly applied in compressible flow. The concept of form factors, of 
course, still remains of value in early project work, prior to the full definition of the section shape. 
Thus there is a need for a spectrum of methods of drag estimation that can provide more elaborate and 
reliable results as the design develops and the project begins to take shape. 

However, the facility for greater accuracy in drag prediction in one area throws into relief the 
Inadequacies that exist in other areas and demonstrates forcibly that drag design standards could and 
should be improved^. This growing realisation prompted discussions^.A. 11 ,A, 12 £n the UK over the 
adequacy of the, then, current methods for aircraft drag prediction. Such considerations led ESDU to 
form in 1964 a working group, drawn from the R.Ae.S. Aerodynamics, Performance and Transonic Aerodynamics 
Committees, to consider, primarily in the context of subcritlcal flight speeds, the adequacy of Data 
Items concerned with drag estimation. 
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A general review by the UK Government and Industry of the situation regarding the analysis and 
prediction of aircraft drag led in  1967 to the decision to set up the UK Ministry/Industry Drag Analysis 
Panel  (MIDAP).    Upon the formation of MIDAP,  the ESDU group was allowed to fall  into abeyance, whilst 
ESDU accepted participation in the activities of MIDAP through the appointment of M.D.  Hodges as a 
permanent member of the Panel.    From  1967 until the beginning of  1971, MIDAP was led by J.E, Rosjiter as 
RAE Coordinator;    since then the review author has performed this role.    Originally, permanent membership 
of the   panelwas confined to the UK airframe industry, but it was broadened in  1971  to include representa- 
tives  of  the aero-engine  industry.     A sub-panel  led by P.P.  Ashwood of NGTE is  presently considering  the 
difficult problems connected with in-flight assignment of thrust and derivation of aircraft drag  (see 
section 5). 

The current terms of reference of MIDAP are:- 

(a) To collect and disseminate to the UK aircraft design teams selected information on drag prediction 
for sweptwing aircraft; 

(b) To arrange for the correlation and analysis of relevant data,  in a way compatible with accepted 
drag prediction methods; 

(c) To formulate a comprehensive framework for the analysis and synthesis of  aircraft drag; 

(d) To encourage the introduction and adoption of improved drag prediction methods by UK aircraft 
design teams; 

(e) To scrutinise existing drag research programmes and to recommend new work. 

A, 3      ESDA data items for aircraft drag estimation 

Since 1964, ESDU has issued 29 Data Items relevant to drag estimation.     These provide data on:- 

, v  „ ..i i        ^ J ,  A.1A,A.15,A.30,A.40 . A.I6,A.17 ,.._ (a) Particular types of drag, e.g. wave drag , base pressure       , lift- 
dependent dragA,18,A-19, profile dragA*22, skin frictionA•24,A•25; 

A.14 A.24 A 25 A 33 (b) The drag of various aircraft components, e.g. flat plates '  ' '  * '  ' '  , bodies of 
revolution^1', slender wingsA.37, wina8

A-l8.A-i9, aerofoilsA-15-A-22.A-30. canopiesA-23. conesA.26, 
cylinderiA'31>*-32, rectangular blocks*-39, and fairings4-40; 

(c)  The changes in drag associated with ground effect A.41 

(d)  The interrelations between thrust and drag' 
A.27-A.29,A.34-A.36. 

(e)  The boundary (in terms of a lift coefficient/Mach number locus) beyond which wave drag is to be 
anticipated*.'3 and on the exchange rates along such a boundary"-20-"-22i 

Such a listing of Data Items, of course, implies that the drag of an aircraft can be broken down 
into component parts and, conversely, that in the estimation process the drag of a complete aircraft can 
be synthesised from such a breakdown.  Such an approach has been the subject of an unpublished paper by 
the Royal Aeronautical Society Performance Committee, on which the following comments have been based. 
Fig.Al illustrates a breakdown of airframe subcritical drag in shock-free flow in unconstrained flight 
(no ground effect) which can be used for the purpose of estimation.  It shows, in a readily assimilable 
form, all the contributions which normally need consideration in the completely general case (not all the 
contributions shown would necessarily be present on a particular configuration).  Fig.Al omits, however, 
wave drag. The full list of Data Items available on this, or any other topic, may be obtained from the 
booklets INDEX 1972 and TITLES 1972 issued by ESDU. The form adopted for Fig.Al implies a particular 
approach to drag estimation and its description as being 'conventional' is debatable. Just as new data 
are continually being obtained, and new theoretical advances occur regularly, so the process of drag 
estimation should be continually under review. What is 'conventional' in one decade might reasonably be 
regarded as decidedly antiquated in the next. 

i 

I 

A.4  Recommended procedure for synthesis of subcritical aircraft drag 

The traditional approach to drag estimation was once to estimate and to sum the zero-lift profile 
drag of each major physical component of the aircraft; to make allowance in some way for interference 
effects and for sundry individually-minor contributions; and to add drag due to lift. In more recent 
years, there has been a move away from this process because it is intrinsically inaccurate. One reason 
for this is because the various major physical components considered are usually mounted at relative 
incidence to each other (e.g. engine nacelles relative to the wings, wings relative to the fuselage, etc.), 
so that, at a given aircraft attitude, each component will be at a different incidence; indeed, some 
components may be at negative incidence.  Thus, the summation of zero-lift profile drags and the addition 
of a drag due to lift must involve significant errors. Secondly, interaction effects can be important, 
so consideration is needed of the characteristics of the flow field in which each major component is 
situated. A final, and perhaps most important, reason has been the advent of wings of appreciable camber 
and twist which may well have a significant component of vortex drag present at zero lift. 

It is the intention that the drag of each physical aircraft component listed in Fig.Al should be 
estimated at the incidence and flow conditions appropriate to flight at some (non-zero) datum or design 
lift coefficient.  Separate drag predictions in principle have to be made for each flight condition con- 
sidered (i.e. at the incidence appropriate to the weight, speed and load distribution of the aircraft) 
including, when appropriate, flight in the constrained flow appropriate to ground effect; for small 
departures from the datum conditions, overall factors to accoint for changes in Mach number, lift coef- 
ficient and trim might be considered adequate. >   *» <«» 
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Fig.Al     Conventional aircraft drag breakdown for shock-free 
flow outside ground effect 

The estimate of the drag of a lifting component at incidence involves estimating the profile drag 
at that incidence and adding the contribution of the trailing vortex drag. Fig.Al thus represents an 
'interim' position between the 'old' simple method and a future position at which it is hoped drag could 
be estimated from considerations of conditions in the wake for at least an elementary representation of 
the true three-dimensional aircraft configuration.  It must be admitted that, not only is this future 
state some appreciable distance from fulfilment, but also that methods are not available for estimating 
the drag at incidence of all the components listed. For example, there is no established method of 
estimating the drag of a nacelle at incidence in the constrained flow beneath a wing. Currently, the 
practical use of Fig.Al would still involve a compromise between 'old' and 'interim' approaches. Thus, 
the lifting-surface drags might be estimated at their appropriate incidence but body drags might still be 
estimated at some zero-lift condition, with interference and lifting effects treated in the 'old' way. 

To assess to what extent Data Items issued by ESDU provide a means of implementing the drag estima- 
tion process implied by Fig.Al, each component for which a Datum Item exists, or to which a Data Item 
might be adapted, has been labelled with the reference number corresponding to that Data Item.  It is at 
once clear that there are several areas where Data Items do not yet exist.  In many cases this highlights 
a lack of data or, where some data are available, an insufficiency of them to allow a satisfactory basis 
for a generalised correlation. 

In some instances when generalised correlations are not practicable, as an interim measure simple 
collections of data can serve to plug a gap in our knowledge. But, essentially, these gaps in knowledge 
represent a challenge, not only to MIDAP, ESDU and AGARD but to the whole aeronautical community, to 
provide or collect the necessary data, Co analyse and correlate them and finally to disseminate them in 
a form convenient to the user. At the same time there is the parallel need to formulate a comprehensive 
framework, involving the best of the theoretical and empirical procedures for the analysis and synthesis 
of drag, and to et"n.ourage its introduction and adoption in aircraft design. 

The need for such actions is felt to lie at the heart of this conference, offering opportunities for 
constructive collaboration in research and analysis on an international basis. 
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SUMMARY 

REMARKS ON METHODS FOR PREDICTING VISCOUS DRAG 

by 

A. M. 0. Smith* and Tuncer Cebeci** 
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7-1 

While predictions of low speed profile drag are accurate for monoelement airfoils at low angle of 
attack, the methods are not very accurate at higher angles of attack, or for multielement airfoils or for 
fatter bodies of revolution. Two courses that might lead to possible improvement in accuracy have been 
investigated. One was an attempt to perform direct shear and pressure stress calculations on an airfoil 
or body. The other was an attempt to improve the Squire-Young momentum defect method by actually solving 
the wake for a short distance. The first method was not successful but the second method shows promise. 
Hence, it is tentatively concluded that refinement of the momentum defect method is the most promising 
path towards improved accuracy. 

PRINCIPAL NOTATION 

c 

cf 

Ff 

% 

CD 

CD,, 

CD., 

chord, as of an airfoil 

local skin friction coefficient 

mean friction drag coefficient, based on 
chord 

mean friction coefficient for a body of 
revolution,based on frontal area 

profile drag coefficient based on chord 

pressure drag coefficient, based on chord 

drag coefficient of a body of revolution, 
based on frontal area 

pressure drag coefficient of a body of 
press, revolution, based on frontal area 

press. 

H 

H. 

H, 

j 

L 

P 

q 

r 

1. 

pressure coefficient    (p 

shape factor,   s*/e 

pj/l p"! 

IE shape factor at trailing edge, or end 
of body 

shape factor of wake far downstream 

index in summation.  See (19) for 
example. 

length of a body of revolution 

pressure 

exponent in generalized Squire-Young 
formula. See (7). Also velocity 
magnitude 

local radius of a body of revolution 

INTRODUCTION 

UTE 

u« 

v 

x.y 

a 

6* 

maximum radius of a body of revolution 

Reynolds number based on chord 

Reynolds number of a body of revolution 
based on length 

distance, measured along surface of a body 

tangential velocity ratio on surface of a 
body    T = u„/u e   °° 

tangential velocity ratio according to 
inviscid theory, i.e., on "naked" body 

perturbation tangential velocity ratio due 
to effect of boundary layer 

velocity 

velocity at center of a wake 

inviscid edge velocity 

edge velocity at the trailing edge 

ambient velocity 

velocity perpendicular to a wall 

coordinates 

angle of attack, or local slope of a surface 

displacement thickness of a boundary layer 

eddy viscosity 

momentum thickness of a boundary layer 

mass density 

shear stress at the wall 

For a limited set of problems the existing methods of drag calculation are reasonably satisfactory 
but for problems of a more general nature the methods are definitely unsatisfactory.   The one area in 
which accuracy is about as good as can reasonably be expected is the low-speed drag of airfoils at the 
lower angles of attack.    Figure 1, taken from reference [1] summarizes tl.e state of the art.    The root- 
mean-square error for the points shown is 2.9%.    In a separate study. Nark [2] generally reaches the same 
conclusion. 

But there are many more problems of importance than this one.   A few are:    the drag of bodies of 
revolution, the drag of multielement airfoils, the losses in cascades, and the effects of Mach number. 
Efietis of heating and cooling are still others.   We do not even mention three-dimensional effects.    None 
of the problems just mentioned can now be solved with an accuracy comparable to that of simple airfoils 
as indcated in figure 1. 

The primary tools needed for any calculation of drag are a good general boundary-layer method and a 
good general potential flow method.   Both are now available, whereas a few years back they were not. 

*Chief Aerodynamics Engineer, Research 
**Senior Engineer/Scientist 
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Figure 1. 

10 

Comparison of calculated and experimental 
results for two-dimensional bodies.   57 
drag values are shown for angles of 
attack,   a, less than 6°.   Insert shows 
error growth with angle of attack for 
three of the airfoils studied. 

Therefore, It was decided to apply these methods in 
more than one way In an endeavor to make progress on 
the more difficult problems just mentioned.   But before 
describing the particular methods that were Investi- 
gated It Is useful to review the leading current 
method, that used to establish figure 1. 

2.     CURRENT MOMENTUM DEFECT METHODS 

Current methods all compute profile drag by 
attempting to calculate the defect In momentum In the 
flow at some distance downstream of the body, at a 
point outside the pressure field induced by the body. 
The boundary-layer development Is calculated over the 
body from nose to trailing edge.   This, of course, 
requires knowledge of the pressure distribution, which 
might come from experiment or might come from theory. 
The boundary-layer calculations stop at the trailing 
edge or tall of the body, but because of local pres- 
sure effects the momentum defect cannot be examined at 
this point.   Rather, In some way the defect must be 
corrected to conditions far downstream so that 
Newton's second law can be applied to establish the 
force on the body. 

Squire and Young [3] made use of von Karman's 
momentum integral equation to derive a relation.    In 
its simplest, two-dimensional  Incompressible form the 
momentum integral equation is 

de w 
- (2 + H) 

due 

ST (1) 

The equation is exact.    In the wake there is no wall, so that   T     equals zero and (1) can then be written 

l^ = -(2 + H) de 
37 

d R) (2) 

The constant velocity u«, has been introduced for normalization purposes. This equation can be formally 
integrated by parts between the trailing edge and far downstream to yield, since H(°°) = 1. 

(3) 

This equation is an exact relation between the momentum thickness at the trailing edge and that far down- 
stream.   In order to evaluate the integral a functional relation between   H   and   Up/u^  must be given. 
Squire and Young had one set of experimental data and that justified a linear relation"   Hence they pro- 
posed the following expression 

£nuA    _    H-l 
an u„/uTE     HTE ~1 

(4) 

When used In (3) we obtain the very simple relation 

A 

(5) 

Then it can be shown that the drag coefficient for the airfoil is 

CD = 2 

9JE   /UJE 

HTE+5 

+ 2 Mfe) 
HTE+5 

(6) 

where the equation has been written out at length to explicitly indicate the contribution from both the 
upper and lower surfaces.   When the relation (5) is used,people commonly say they are using the Squire- 
Young method, even though their method of boundary-layer calculation may be entirely different from Squire's 
and Young's. 

Relation (4) is critical to this method.   Just how good is it?   A few more tests have been made since 
the work of Squire and Young, but the information is still scanty.   The main data known to the authors is 
Included in tne normalized H-velocity plot shown in figure 2.   The chart covers both compressible flow and 
axially symmetric flow.   The same kind of linear relation as (4) was assumed by Young [4] in his work on 
bodies of revolution.   The Flrmln-Cook data [5] are for low-lift coefficients.   No systematic relations or 
variations are discernible in this chart.   The Squire-Young relation is just the diagonal line in the figure. 

/ 
/ 

■     - 
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Figure 2.   Sumnary of measured    H - u     relations 
in the wake. 

In view of the large scatter of data, the Squire- 
Young approximation would appear as reasonable as any 
other curve. 

Granville [7] proposed replacing the relation 
(4) by one of more general type 

in u_/u 

In 
H-Mq Vue       / H-l \ (7) 

For a tody of revolution this leads to the result, 
with   eA\   being the momentum area 

(HTE+2)q+3 

For two different values of   q,   q,    and   q-   the 
ratio of values of   e.     is 

(8) 

Jl    /ÜIE\ 
9A      ' \u-  / 

(HTE-l)(q2-q1) 

(9) 

7^3 

Since   uj^/u^   does not differ greatly from unity,   SA^   is not very sensitive to values of   q.    For 
instance, if^we let   qi = 1,   corresponding to the SquTre-Young and Young assumption, and   q2 = 7,   cor- 
responding to Granville's assumption, and if we let   uj^/u^ = 0.9   we obtain from (9) 

3{HTE-1) 

0.9 (10) 

"1 

Then with a typical value for   HTE   of   1.6,   we obtain 

_2 = 0#90.225 „ 0>977 (n; 

or about Z% difference.   Hence, provided   UJE/U     is not greatly different from unity, the results are not 
very sensitive to the form of the functional reTation, or more exactly, to the value of   q.    It is inter- 
esting to note that the effect of a function antisymmetric about the midpoint of the diagonal in figure 2 
has been examined.    Its contribution is self-canceling. 

Although sensitivity of   e^   to the functional relation does not seem great, we have been considering 
only the simple case of airfoils at low angle of attack.   When one considers highly unsymmetrical wakes 
from airfoils at higher angles of attack, wakes from slats that flow along over the main airfoil and that 
leave with   uj^/u^   of 1.5 or greater, or wakes from bodies of revolution, it appears obvious that a Squire- 
Young type of approximation is not the final answer.   This fact is indeed confirmed by actual calculations 
for bodies of revolution and multielement airfoils.  .Calculations and experiment are not in satisfactory 
agreement. 

3.      PRETSCH'S METHOD 

A quite different approach to the problem was made by Pretsch [9] at about the sane time as Squire and 
Young were developing their method.    Instead of using the momentum defect in the wake as a base for calcu- 
lation, Pretsch attempted to calculate the shear and pressure forces that acted on the airfoil.   The unique 
part of hU analysis was the method for computing pressure drag.    It is well known that the boundary layer 
displaces Invlscid streamlines outward from the body by an amount   «*.    Even in the wake this displacement 
streamline never closes, so that a half body Is formed. 

It is well known from classical hydrodynamic theory that the drag of a half body is zero.   Hence, the 
drag of the part forward of the trailing edge must equal the negative of the part behind the trailing edge. 
Therefore, to find the prtssur« drag thdL acts on the airfoil, Pretsch studied the flow in the wake.    The 
pressure force exerted on the wake is 

' 6* '«* 
Dw = J      p(6*)d6* + y"p(6*)dö* 

K upoer L6*TE 

(12) 

lower 

In this equation   6*^   in each of the two terms represents the final value from each of the two boundary 
layers.   The two upper limits are not the same except when a flow is symmetrical.    How are the integrals 



1 -+ evaluated?   Pretsch's basic method Is to assume that each filament In the wake flow retains the same total 
head that It had as it left the trailing edge.   Then as pressures change the velocity changes follow from 
Bernoulli's law.   Often this Is a very reasonable assumption. 

For purposes of working out pressure correction curves, Pretsch assumed the boundary-layer profiles 
could be approximated by profiles of the standard form 

Hi) l/n 
(13) 

The exponent   n   has a well known relation to the shape factor   H.   Once a particular profile at the 
trailing edge Is assumed, then with the aid of Bernoulli's equation It is a straightforward matter to 
compute   6*   for   p     and hence evaluate the integrands of (12).   The pressure   p   as a function of   x   Is 
not needed, only Inftlal and final values are of importance.    Intermediate values of   p  must be assumed 
for purposes of constructing the Integrand but it is not necessary to know the x-positlon at which a value 
of   p   occurs.    Furthermore, It Is not necessary to assume power-law profiles as In (13).   The actual 
boundary layers could very easily be used, subject to the Bernoulli assumption If computing were done on an 
automatic computer. 

To delineate clearly the differences between Pretsch's and the Squire-Young momentum defect approaches, 
we present the following table.   Pretsch's method has never been applied to a body of revolution as far as 
the writers know but the extension should not be difficult. 

Crucial Features of the Pretsch and Squire-Young Methods 

Squire-Young Pretsch 

2. 

Computes on the principle that total 
section drag Is equal to the momentum 
defect at x = ■», I.e., CD- " 26Jc. 

Computes the development of e over 
the airfoil. 

Computes on the principle that total section 
drag is the sum of the shear stress drag and 
the pressure drag. 

Computes c* and boundary-layer profiles 
over the entire airfoil. 

V 

^ 

Uses a strictly empirical relation to 
correct   e   at the trailing edge to 
e ,   which occurs at   x ■ <». 

Obtains pressure drag by computations on the 
wake, which are semi-empirical and assumes 
that Bernoulli's equation applies to every 
streamline In the wake. 

The first question is which can be calculated best along the airfoil    e   or   Cf.   In older methods 
Cf   was quite empirical, and   e   was clearly the more accurate quantity.    In newer methods the differences 
in accuracy are so small that considerable study would be necessary to establish the best. 

The second question is whether or not the   e   correction of Squire and Young can be done more accu- 
rately than the pressure drag correction of Pretsch.   The answer Is not now known.    It would be useful to 
examine the question carefully.    Pretsch's method could prove better than Young's for bodies of revolution. 
B. M. Jones' wake drag formulas make the same assumption about Bernoulli's equation as Pretsch, and Jones' 
method has proven to give good accuracy In airfoil drag measurements.    It is Interesting to note that 
P. S. Granville states he has proven that the Squire-Young correction and Pretsch's pressure drag correc- 
tion are equivalent. Independent of the exponent   q   In (7).   The writers have seen no details of the proof 
nor the conditions. 

- 

If Bernoulli's equation holds along streamlines as Pretsch assumes, the final velocity of the one in 
contact with the surface will be 

uw- " /Z/P (PTE " PJ (14) 

Now If   pjj > p^,   u     > 0.    Pressures at the tails of airfoils and bodies of revolution are positive, so 
no problem arises wl"B respect to this point for Pretsch's method.    But there are cases when the concept 
breaks down.   The trailing edge of a slat Is In a negative pressure region.   Then   uw»   becomes Imaginary 
according to (14), and a physically more realistic correction method Is Indicated. 

4.      A SHEAR AND PRESSURE METHOD 

4.1    Description 

Because of Inadequacies of the methods just described, a search was made for Improvements. It was ques- 
tioned whether It was really necessary to continue calculations on into the wake.   Forces on the airfoil or 
body are ultimately applied through shear or pressure stresses.   Could not these be calculated directly? 
This, of course, Is not a new thought.   The problem Is that drag Is about two orders of magnitude less than 
lift.    Hence, insufflcltnt accuracy can be obtained In calculating pressure drag.   But much better tools 
for analysis have become available and a method involving only the perturbation pressure effects was con- 
ceived.   Therefore, an investigation was made.   The Douglas Neumann potential-flow program and the Cebeci- 
Smith turbulent-boundary-layer program were available and Ideally suited for the study.   The method will 
now be described. 

A boundary layer displaces the invlscld flow outward from the surface by an amount   «*,   creating 
effectively a semi-Infinite half-body as sketched in figure 3.   A first approximation for the effect on 
pressures of this displacement of streamlines Is to solve an Invlscld problem that has a streamline that 
matches the   5*   locus.   One way Is just to treat the   6*   locus as a new solid body and calculate the flow 
about it, stopping calculations at the trailing edge.   That means treating an open-ended body.   That 



t 

Figure 3.   Schematic of viscous flow over an airfoil. 

method is currently In use at Douglas and has given hundreds of satisfactory results[18]. It should be noted 
that accuracy Is not satisfactory without any boundary-layer correction.   One drawback of this method is 
that a new matrix of influence coefficients must be calculated for each new boundary layer because for each, 
the geometric shape of the boundary Is different. 

A method that is equivalent to first order is to solve the problem with conditions along the original 
boundary - the airfoil - to account for the growth of   5*.   This is legitimate because boundary layers are 
thin.   Consider flow relations at stations 1 and 2 In figure 3.   At station 1, an inviscid approximating 
flow will be moving with a velocity   ue-i   and the flux will be   uei«*!-   At station 2 the flux will be 

Ue,«*! + i?(WAS 

The difference at the two stations is just 

fs («WAS 
This difference in flux can be supplied by blowing from the wall as sketched, with a velocity   vw 

v 4 ws Is (V*)is 

If we normalize by dividing through by u  we obtain 

> = IFV) 

Then 

(14) 

(15) 

\ 

Here Tn is the tangential velocity ratio Ug/u^ and It 1s obtained from the inviscid solution for the 
naked airfoil. Equation (15) then is the boundary condition to be applied along the wall to account for 
the growth of   «*.   Prerton [10] obtained this relation in 1945 by slightly different reasoning. 

Potential flows, being soli'tions of a linear equation, can be superimposed.   Then it is axiomatic that 
for an airfoil at angle of attack with lift, and with boundary layer, a steady flow solution meeting the 
boundary conditions Is a linear combination of the following elementary solutions. 

1. A simple potential flow about the airfoil moving In steady rectilinear motion at   a = 0°. 

2. A simple potential flow about the airfoil moving in steady rectilinear motion at   a = 90°. 

3. A pure circulatory flow with no translation. 

4. A flow with wall blowing in accord with (15) and with no translation. 

For basic theory see Hess and Smith [11],   The four elementary solutions are shown in figure 4.   Unless the 
blowing solution Is symietrlcal there will be flow around the trailing edge.   This will affect the amount 
of the circulation solution that Is required to satisfy the Kutta condition, and her._e the lift. 

0° SOLUTION CIRCULATION SOLUTION 

Tua,       90» 

i-l    »     i £ 

SOLUTION BLOWING SOLUTION 

Figure 4.   The four fundamental solutions used for approximating the viscous flow about 
a lifting airfoil at angle of attack. 

I 
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n 
Due to blowing there is a slight normal velocity at the surface.   Then the final solution that satis- 

fies all the boundary conditions including the blowing will be identified as   q(s)   where   s   is peripheral 
distance around the airfoil measured in a clockwise direction, beginning at the trailing edge.   Then 

\ 

V*) 1 -(q/uj2(s) = 1 -T2(s)-(vw/uJ2(s) (16) 

and where   v /u^   is given by (15).   Let the velocity perturbation due to the blowing solution be   T,, 
the basic or naked airfoil solution be   T     as already noted.   Then   T = T0 + T-i    and 

Cp = 1 " (To + V2 - (vw/uJ2 = (1 - "O - C2ToTl + T? + (VUJ2] 
2 

But   1 - T0   is just   Cp ,   the pressure distribution for the naked airfoil.    Hence, 

Cp = CPo-t2ToTl+T? + (vw/uJ2] 
But we know theoretically that the inviscld pressure forces on a body sum to zero in the drag direction. 
Hence, the large quantity   Cp0   can be dropped.   The   T? and {vw/uj< terms in (18) are quite small and 
can be neglected, but It Is not necessary to in this problem.   Then if   aj    Is the angle of some element 
of length   ASJ   (see figure 3), the total pressure force on the airfoil will be. If the airfoil is sub- 
divided into elements, 

(17) 

(18) 

CD press . 
= E - [2ToTl + TNvw/u A^sj/c ) sin ^ 

j=1 

(19) 

2 2 But L%-  sin a. is just Ay., and so finally, assuming T, and (v /u )  are small 
J J J i wr  •■ 

CD press . =E-2<TOTIVAVC) (20) 

If   TW   is the shear stress due to viscous effects, we have similarly 

•    , -   /   . Tw-AS.   COS a . xshear    £—d   wj   j j (21) 

By definition 

xshear 
— 2 • 
1/2 pu c: 

cf = 1/2 pu 7 
(22) 

Then If we note that Asi cos a.= AX., we have 
J        J     J 

j=i J 

(23) 

Equation (20) plus (23) together define the drag for a two-dimensional shape. The extended formulas for a 
body of revolution should be obvious. 

4.2 Some Results 

About 20 two-dimensional calculations have been made by the method just described. The Douglas 
Neumann program solves the problem in terms of a surface source-sink distribution so that it is well suited 
for finding the blowing solution, figure 4. After some preliminary runs for a lifting airfoil were found 
to lead to considerable confusion, it was decided to study a systematic family of synmetrlcal Joukowski air- 
foils at a = 0°. Calculations were made for shapes, 10%. 15%, 20%, 25% and 30% thick. Joukowski sections 
were chosen because they have no rear stagnation point and none have separation, even with potential flow 
used as the edge flow in the boundary-layer analysis. The family of pressure distributions is shown in 
figure 5. In the interests of brevity S* as computed by the Cebeci-Smith boundary-layer program is not 
shown, but the product T 4* is shown in figure 6. The break in the curves occurs at the transition point. 
Figure 7 is the mmericalTy computed set of derivatives of T0«* ust-J as boundary conditions for (15) and 
the blowing solution. 

Figure 8 is the set of perturbation solutions. Stagnation points for these flows occur at T-i ■ 0. 
For the 10% Joukowski, the stagnation point Is at about 60% chord and the point moves back with thickness 
until It is almost at 95% for the 30% airfoil. These solutions show that the perturbation velocity sub- 
tracts from the inviscld solution in the forward parts of the airfoil and adds in the regions aft of the 
side stagnation point. Figure 9 shows the perturbation values of Cp, neglecting the quadratic terms, see 
(18). These curves resemble the Ti family because T. is not greStly different from unity over most of 
the airfoil. 0 

When ACp is plotted against y/c, the peculiar loops of figure 10 are obtained. The area Inside 
the loops is the pressure force, that is, the pressure drag. Because it is hard to understand these curves, 
the curve for the 30%-thlck Joukowski is plotted alone in figure 11. Here the airfoil shape is shown too, 
and numbers are spotted along both the airfoil and pressure distribution to show to what point on the air- 
foil each point on the pressure distribution corresponds. Both thrust and drag forces occur on the airfoil. 

Figure 12 shows the plots of local friction coefficient. Values are low forward of 10% chord because 
the flow is laminar. It is interesting to observe that Increased thickness increases skin friction in the I 
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Figure 5.   The set of Joukowskl airfoils that were     Figure 6.   Values of   T0«*   for the five Joukowski 
studied.   Transition was assumed to be *" 
at 102! chord for all thicknesses. 

airfoils.   Note that   s/c   is used instead 
107 all Of    X/C.     R, cases. 

0025   ■ 

I 

Figure 7.    Derivatives of   T06*    for the five 
Joukowski airfoils.   These are the 
boundary values that are used in the 
blowing suction. 

-0020 

Figure 9. Perturbation pressures for the five 
Joukowski airfoils, due to the boundary 
1ayer. 

Figure 8.   Blowing solutions for the five Joukowski 
airfoils.   These are tangential velocity 
perturbations caused by the boundary layer. 
Because of symmetry, solutions only for the 
top side are shown. 

-003S 
forward regions but reduces it in the rear parts. 
The area under these curves is half the mean friction 
coefficient of the complete airfoil, see (23). Floure 10 
Table 1 summarizes results of the calculations. 9 

The last column contains results from the Squire- 
Young momentum defect method which should be quite 
accurate for this problem.    It, too, used the Cebeci-Smith boundary-layer method, 
sure drag goes negative.   More will be said about this in the discussion. 

-0 030 

Perturbation pressures for the five 
Joukowski airfoils, y/c plots. Because 
of s)mn)etry only top half shown. 

Observe that the pres- 

Similar studies were made on the NACA 0010, 0015, 0020, and 0025 airfoils which have finite trailing 
edge angles. Results were generally similar to and consistent with the Joukowski set. They, too. showed 
negative pressure drag for the thickest airfoil. One calculation was done at a = 6°. The blowing 
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Figure 12.   Skin friction distribution for the five 
Joukowskl airfoils. 
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Figure 11.    Illustration to Increase understanding 
of drag loop.   Numbered points are cor- 
responding points on the three plots. 
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Figure 13. Pressure drag loop for NACA 0020 air- 
foil.   Points on airfoil are noted 
along pressure distribution.   Note that 
y   Is perpendicular to wind vector. 
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Figure 14.   Skin friction distribution for NACA 0020 
airfoil at   a = 6°.   Drag results are 
noted. 

treatment accounted very well for the changes In pres- 
sure distribution due to viscous effects.   Figure 13 
shows the perturbation pressure loops and figure 14 
the   Cf   distribution as well as final drag values. 
The pressure drag Is barely positive and again the 
drag Is considerably below the Squire-Young prediction, 
which Is approximately correct. 

By obvious modifications considering ring elements 
the method was adopted to bodies of revolution.   Be- 
cause they are the more critical two rather plump 

Table 1.   Final Results for the Five Joukowskl Airfoils 

Percent 
Thickness !l CDpress. 5i. 

-Dp 
(Squire-Young) 

10 0.0057 0.0005 0.0062 0.0065 

15 0.0058 0.0007 0.0065 0.0072 

20 0.0060 0.0007 0.0067 0.0080 

25 0.0061 0.0004 0.0065 0.0090 

30 0.0062 -0.0008 0.0054 0.0102 

:r. 

■ 

/ 
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Figure 15. Shape and axial shearing stress distri- 
bution for XZS2G-1 airship. 
R,   = 188 x 106. 

Figure 16.    Pressure loop for the XZS2G-1 airship. 

bodies were examined.    Because results were rather similar we report only one, an airship that had exten- 
sive boundary-layer measurements in flight. Its shape and axial shearing stress distribution are shown 
in figure 15.    Figure 16 shows the pressure force distribution.   Again we find that the pressure drag is 
negative.    The total drag coefficient based on frontal area   Co,,    is 0.0145, a value ridiculously low. 

4.3    Discussion 

After presentation of the past several  results it hardly seems necessary to say that the method is 
quite unsatisfactory.   The shear stress calculation appears quite satisfactory as far as we can tell with- 
out much further study.    But the pressure drag calculation is all wrong.    Exactly why is not really clear. 
The Douglas Neumann program appears to be giving correct answers for the boundary conditions that are given 
to it.    It checks out with one known analytic solution. 

The difficulties arise partly from improper boundary conditions over the last five percent or so of 
the body.    The boundary condition is the derivative of   T06*   or its axially symmetric counterpart.    Except 
for flow past cusps   T0   goes to zero.    Boundary-layer calculations would always indicate separation because 
boundary layers cannot decelerate to zero velocity in any finite distance.    Then there is a strong inter- 
action at the tail and the shape is so modified that   T   does no more go to zero.    Furthermore, we know 
that    6*   at the trailing edge is finite.    Hence, so is the product   T05*.    But that is about all we know 
and it roughly amounts to saying that the product   T06*    is   Ox»   to give a finite number.    But the only 
available way of estimating its value is to extrapolate.   Because the slope near the tail  is steep, extrap- 
olation is most uncertain.    It could be concave upward or concave downward.    Slight differences could make 
large changes in the derivative of   T0«*   which serves as the boundary condition.    Hence, it seems that 
this method is very sensitive to values in the very region where our ability to calculate them is poorest. 

Let us amplify these statements by considering figure 11 in seme detail, where shape,    ACn vs x/c 
and   ACn vs y/c   are snown.    In the x/c plot the side stagnation point is very far back - at about 0.95c. 
Hence, forward of this point pressures are increased.    Physically, it means that forward of 0.95c   the 
blowing solution produces a tangential velocity in the upstream direction that reduces velocities, hence 
the positive values of   ACp.   The negative values of   ACp   that occur aft of 0.95c may be very large, but 
they occur in such a short distance that calculation accuracy will be poor, in addition to uncertainties 
in the boundary condition.   On the   y/c   plot, while pressures over most of the airfoil are positive it is 
interesting to note that they are more positive at given y/c locations on the rear than on the front. 
Hence, much of the airfoil is undergoing a thrust force.    If the net pressure force is to be a drag then 
the area inside the spike near   y/c = 0   must be much larger than the greatly spread-out area noted as 
thrust in the figure. 

If there is a finite rate of blowing at the trailing edge of a cusped airfoil, the velocity at the 
trailing edge will be logarithmically infinite.   There is probably the same kind of singularity for a 
finite wedge angle.   This infinity and its effects are missed in a Dnuglas Neumann program because calcu- 
lations are made at midpoints of elements.   The significance of this 'fact is not known, but the effect 
amounts to a drag. 

For approximating the effects of boundary layer by blowing, where should the pressures be calculated? 
Right on the surface o^ along the   S*   streamline?   We might assume these values are then impressed on the 
surface.   Differences In values are considerable at the trailing edge.   Some comparisons were made, but 
again changes in pressure drag answers were small. 

AN IMPROVED MOMENTUM DEFECT METHOD 

5.1 Description 

The second approach is to stick to the basic momentum defect metiisd but try to improve the calculations 
in the wake, which means replacing the Squire-Young type of treatment by something better.   A logical step 
is to try to solve the wake flow by continuing the boundary-layer calculations on past the tail or trailing 
edge of the body.   That can be done in an approximate fashion by a simple modification of the C.S. boundary 
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0    layer program.    Such is the second method.    In actuality we attempt to solve the wake for only a short 

distance, about 1/4 to 1/2 chord length, and then apply Squire and Young's formula.    By this procedure we 
,        get through the regions of very rapid change more accurately, and then apply Squire and Young's formula to 

conditions where it applies rather well.    This combination procedure avoids lengthy calculations through a 
long run of wake flow. 

Because the basic C.S. method has been described elsewhere [12], only a bare outline will be given 
here. The governing equations applicable to both two-dimensional and axisymmetric flow with transverse 
curvature effects are 

fj- (ru) + |y (rv) = 0 (24) 

\ 

. 
» 

U3U  +  V3 
ax 

/3U  _       1   dp + 1     3     /r 3T\ 
3y "     p 3x     pr 3y \   3yj 

where for turbulent flow 

(25) 

(26) 

and p u'v' is the Reynolds stress due to the turbulence. Equations (24) and (25) are solved by an effi- 
cient numerical method described In [13]. The method uses the eddy-viscosity concept, where the eddy vis- 
cosity c     is defined by 

3U 
-P " v = pEm 3y 

However, in the wake we find it more convenient to use the mixing length concept, that is 
-T-T   2 /3u\2  , . ,2 /3U\2 -PU^T-« ^) =p(c1b) (-) 

Here    b   is assumed to be a characteristic width of the wake flow.    It is defined as follows: 

b = y2 - y! 

where   y,    is the value at which 
u - u„ 

0.1 
ue-uc 

and   y-   is the value at which 
u — u 

= 0.9 

ue — uc 

u - "c 
ue — uc 

(27) 

(28) 

(29) 

(30a) 

(30b) 

For two-dimensional flows   q    is taken to be 0.125 and for axisymmetric it is 0.11.    These values are 
arbitrary and quite empirical.   Accurate wake calculations would demand much more sophisticated calculations 
of the Reynold's stress. 

5.2 Results 

Some of the basic character of the solutions is shown by figures 17, 18 and 19.    Figure 17 is the 
simplest case, the wake downstream of a flat plate.   What this figure shows is the calculated evolution of 
the wake, starting with test data at the first station,   x = 0.   At   x = 0   the initial profile was still a 
boundary layer, but in order to get started it was arbitrarily refaired near the center line as shown.   Then 
with this initial profile the succeeding ones were calculated:    Diffusion appears to be more rapid than cal- 
culated, see Sta. 240. 

Figure 18 is the wake downstream of an airfoil.    Initial calculations were begun by modifying the 
experimental data as shown.   Then calculations were carried on downstream, subject to the local pressures 
that occurred at each station.   The evolution of   9, H   and the wake profiles are shown.   Again the experi- 
mental rate of diffusion is greater than calculated. 

Figure 19 presents results for a body of revolution.   Again calculations were started with the slightly 
modified profile that was given at   x = 0.    This case appears to have about the same accuracy as the two- 
dimensional solution.   Again calculated diffusion rates are low. 

Figure 20 is an example of a true drag calculation.   Here the boundary-layer growth was calculated from 
the very leading edge, including transition.   The wake was calculated starting with the theoretical boundary- 
layer profiles at the trailing edge.   Calculations were made at several angles of attack and the scatter band 
of the measured values is shown.   The solid symbols are the classic Squire-Young result, based on the C.S. 
method of boundary-layer calculation.   The open symbols denote wake calculations to the point where the sym- 
bol is located, at which point   e   is corrected to   e^   by the Squire-Young formula (5).   The resulting 
answers show improved accuracy.   Very conveniently most of the Improvement is picked up after only a short 
wake calculation.   Wake calculations of length 1/4 to 1/2 chord arp all that seem to do any good.    In fact, 
several of the results drift away from correct values rather badly'when calculations are continued more than 
one or two chord lengths downstream.   One of the most encouraging results from figure 20 is that for   a = 8°. 
In figure 1 it was pointed out that theoretical drag predictions are low at higher values of   a.   That is 
just the case here for   a « 8°, but the wake solution brings the theory right in line with test. 

Figure 21 shows two more airfoils.   The reason why predicted drag is high for the RAE 2815 is not known. 
It may be that the airfoil had more laminar flow than assumed.   Nothing is said about this point in the ref- 
erences.   Results for the RAE 2814 again show improvement over standard Squire-Young.   Note that these two 
tests are at high subsonic Mach numbers.    In these two cases trailing-edge profiles were known from experi- 
ment.   Therefore, calculations began with this Information. 

5.3 Discussion 

Attempts were made to calculate the drag of a plump streamline body, one of fineness ratio 4, but the 
deadline for this paper prevented completion.   This particular body was studied because results are very 
good right now on ones of higher fineness ratio [17].   With fatter bodies the tail fairing is often so blunt 
that a slight bit of separation develops.    That happened QJ\ the body studied.    It makes the problem of 
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Figure 20. Drag predictions for the NACA 63018 airfoil 
made by partial calculation of the wake. 
Calculations in this case are absolute. 
The only data given was Reynolds number and 
coordinates of the airfoil.   Rc = 5.8 x 106. 
Solid symbols are standard Squire-Young 
results. Open symbols denote solution of 
wake to their location and then application 
of Squire-Young formula. 

Improved prediction far more difficult, for now we 
must not only make an improved accounting for evolu- 
tion of the wake, but also, in some manner must pro- 
duce calculation'., across the separated region. 

Never-     ess, the results are encouraging.   Both 
ax 1 symmetric ..nd two-dimensional wakes have been cal- 
culated with accuracy acceptable for the present needs. 
(Almost any wake solution should be more accurate than 
the bold Squire-Young approximation.)    For the airfoil 
cases where drag was actually calculated a definite 
impiovement in accuracy was noted.    This fact should 
leiW encouragement to work along similar lines on the 
more difficult problem of drag of multielement surfaces. 

Values of   e   at the trailing edge must not only 
be corrected accurately to conditions at infinity but 
they must be accurate in the first place.   Often very 
near the trailing edge, especially at higher angles 
of attack, calculated values of   e   are low compared 
with experiment.   Hence, in any attempt to Improve 
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the accuracy of drag calculation both sources of error should be considered. We have not mentioned this 
defect in the boundary-layer calculations until this point mainly because that subject was not the basic 
purpose of the paper.    But it should not be assumed that the boundary-layer calculations are exact. 

6. CONCLUSIONS 

The shear and pressure method seems to hold no promise, at least in the form presented in this paper. 
Drag results are very sensitive to the boundary values near the tail and require highly accurate calcula- 
tions in that region.    The momentum defect method does not show this same high sensitivity.    Therefore, the 
correct course for improvement is to stick with the momentum defect method and improve it.    A promising 
method for improving it is to perform direct numerical solutions of the wake through the initial regions 
cf rapid change just beyond the trailing edge.   After the region of large change has been traversed, then 
the Squire-Young relation is used to correct values to   x = ■».   This course amounts to adding an intermedi- 
ate step in the classical Squire-Young procedure. 
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SUMMARY 

Analytical methods of evaluation of drag coefficients of contemporary 
supercritical airfoils are discussed.     Some  results of experimental values  of drag 
coefficient  for supercritical airfoils are  compared against results of theoretical 
evaluations.     Some results of drag coefficients of conventional airfoils  are 
included for comparison.     Difficulties of accurate experimental recording of drag 
coefficients are indicated. 

1.0     INTRODUCTION 

The  advantage of application of contemporary airfoils have been 
already proven by  flight tests.     In an excellent way they were demonstrated by 
Polhamus   (Ref.   1)   and his two figures are  repeated here   (Fig.   1).    They show that 
the replacement of conventional airfoils by  contemporary ones gives the possibility 
either to increase,   in the transonic regime,   the  flight Mach number by about  15%, 
or at the  same speed to increase by over 40%  the thickness of the wing.    These 
improvements  are possible due to higher drag rise Mach number of supercritical 
airfoils. 

Designing new oupercritical  airfoils has become very popular  and 
several methods are actually used,  starting  from empirical experimental,   through 
empirical  numerical   (2)   to highly sophisticated methods of Nieuwland   (3)   and 
Garabedian  et al,   (4).     In the empirical methods a  shape of the airfoil is   assumed 
and the pressure distribution is  verified by numerical  calculations or by 
experiment.     Usually many modifications of  the airfoil shape are necessary  in 
order to obtain an acceptable pressure distribution.     In the design method of 
Garabedian the equation of motion are integrated in the hodograph plane for a 
certain flow field specified by about seventy parameters.    Values of these para- 
meters have  to be guessed.     It requires usually several  hundred computer trials 
to obtain  a  closed contour,  having acceptable  shape  and aerodynamic characteristics 
in shockless  supercritical flow. 

Although the purpose of designing new airfoils is drag reduction, 
actually in none of  the design methods the value of the drag or drag rise Mach 
numbers are  used in  the process of designing except of course in the wind tunnel 
verification.     Only in the Garabedian's method the drag coefficient appears   as  a 
parameter in  shockless flow but it represents  rather the  thickness of the  trailing 
edge than the drag itself. 

Besides the drag at design conditions,  the aerodynamic properties 
of an airfoil in off-design conditions are equally important and those cannot be 
determined in the design methods.    Hence the performance of the airfoil has  to 
be established either by direct calculations or by wind tunnel experiments. 

Of existing methods of transonic flow calculations the numerical 
ones appear to be most useful.    The actually used methods, in order to save 
computer time,  assume that the flow is isentropic.    Two basically different 
numerical approaches are used.    In the first approach the problem is treated as 
unsteady and the steady solution is obtained by integrating in time using time 
dependent difference scheme.    An example of this approach is Yoshihara-Magnus 
method  (5),  with integration in the physical plane.     The second approach is 
based on the steady relaxation method, with solution of the linearised problem 
in the physical plane   (e.g. Murman & Cole   (6),  Krupp   (7),  Steger and Lomax   (8)), 
or of the nonlinear problem with integration in the Sells plane after mapping 
the exterior of the airfoil into the interior of the circle  (Garabedian et al   (4), 
Jameson  (9),   author   (10))). 

It has been shown that in some  cases of supercritical flow both 
the time dependent difference method, and the  steady relaxation methods give  very 
good agreement with experiment and with inverse design calculations.    As an 
example results for a Boerstoel's   (11) shockless symmetrical airfoil 0.11-0.75-1.35 
are shown in Fig.  2.    Three cases of experimental pressure distributions   (12,   13) 
are compared against the design pressure distribution and direct off-design 
calculations.     The agreement is very good,  and both the experiment and the 
calculations  show large sensitivity to the change of  flow parameters.    The second 
example is also for a shockless airfoil but a lifting one   (Fig.   3 and Ref.  15). 
This airfoil was designed by Garabedian and Korn for shockless inviscid flow at 
M ■ .75.    In experiment due to the viscous effects the shockless flow appeared at 
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Mach number= .768.  The blockage correction is of order .006 in this case, so 
the viscous corrections to the Mach number is of order .012. Additional 
comparisons for a conventional airfoil NACA 64A410 are shown in Fig. 4(16). 

A comparison of calculated pressure distributions obtained by 
steady relaxation methods (9, 10) and by the time dependent method (17) for 
airfoil NACA 64A410 is shown in Fig. 5.  It is a rather extreme case of very 
high local Mach number at which the isentropic solution becomes inaccurate. 
Nevertheless the general agreement is very good apart from the location and 
strength of the shock wave.  It is known that steady relaxation methods do not 
satisfy the Rankine - Hugoniot condition at the shock wave. This can easily 
be corrected if the exact strength of the shock wave is essential. 

An important question that arises whether the isentropic super- 
critical calculation can be used for the evaluation of drag.  It is obvious that 
in the case of a mathematically correct solution of isentropic flow the wave drag 
should be zero by definition.  It is actually zero (except truncation error) if 
one uses the isentropic equation in conservative form and the proper differencing 
scheme.  On the other hand it is known (e.g. 18, 19, 20) that the weak discontinuous 
solution to the isentropic problem does not conserve the momentum in the direction 
normal to the shock, and this feature can eventually be used as a mechanism for 
the representation of drag. 

Because the mathematically correct solution of the nonisentropic 
problem is economically prohibitive, attempts to evaluate the drag from isentropic 
flow have been made by many authors.  Recently Steger and Baldwin  (20) tried to 
give a physical interpretation of the "shock losses" in isentropic flow, using 
Oswatitsch theorem (21) that drag of the body in steady flow is related to the 
entropy change and can be approximated by the expression 

A 

T" f D=!-V-jPVn 
00  •' 

(S - So) dF 

where T^, V^ are the temperature and velocity in free stream, p density, V 
normal component of velocity and F is a surface extended over all sources 8f 
entropy changes. 

Applying the Oswatitsch formula along a closed contour indicated 
by the dotted line in Fig. 6 all the conservative equations are satisfied and 
hence drag in isentropic flow is zero.  Steger and Baldwin (20) explain that non 
satisfied x momentum through the shock has the physical meaning of a thrust, 
which must be equal but opposite to the drag obtained from integration of the 
pressure distribution along the airfoil.  They further develop the method of 
numerical calculations of the drag by integration along the shock, which in the 
case of the linearised relaxation method gives better accuracy than integration 
along the contour of the airfoil.  In the case of the nonlinear solution with 
integration in the Sells plane, the integration along the surface of the airfoil 
can be done very accurately.  All the data presented in this paper have been 
obtained using integration along the contour of the airfoil. 

2.0  CALCULATIONS OF DRAG IN INVISCID FLOW 

The integration of the pressure distribution on the surface of 
the airfoil is used to calculate the drag.  The pressure distribution is calculated 
using steady relaxation method for isentropic flow (10).  Some results are 
presented here.  In Fig. 7 inviscid drag results are compared with experimental 
wake drag data from high Reynolds number tests (12, 13), and low Reynolds number 
NLR results (22).  The agreement in the drag rise Mach number is very good. 
Results of calculations of drag for NACA 0012 airfoil (23) compared with 
experimental data obtained at NAE by Dixon (24) are shown in Fig. 8. 

A comparison of calculated drag with experimental data for the 
shockless lifting airfoil No. 1(14, 15) is shown in Fig. 9 and for airfoil 
NACA 64A410 in Fig. 10. One can see that for the same lift coefficient and Mach 
number the drag of airfoil NACA 64A410 is much higher than the drag of shockless 
airfoil No. 1, although this latter airfoil is about 11.6% thick. 

From the above comparisons it appears that isentropic supercritical 
flow drag calculations predict quite well the drag rise Mach number, although the 
actual values of drag coefficients are not correct. 

'' 
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3.0  APPROXIMATE VISCOUS FLOW CALCULATIONS 

In many cases results of inviscid flow calculations do not agree 
with results of test due to the viscous effects. In some cases the differences 
are small so that inviscid calculations for the same lift coefficient do not 
differ very much from test results, in the other cases the differences are very 
large. 

Many ways of including viscous effects have been tested numerically. 
Some of the conclusions and results of performed numerical experimentations are 
collected here. 

The most elementary way of including viscous effects is by adding 
to the airfoil the displacement thickness of the boundary layer, recalculate the 
pressure distribution for a modified airfoil, repeat the boundary calculations 
and so on until the process converges.  Unfortunately it has not been possible 
to obtain a convergent solution.  Just stopping the iterations at a certain point 
may show some improvement compared to the completely inviscid flow, but it does 
not represent the actual flow, because the boundary layer thickness is incorrect 
and in some cases even small differences in the boundary layer thickness have 
very large effects. 

The viscosity of the flow changes the flow past the airfoils by 

1. Changing the thickness of the airfoil 

2. Changing the camber 

3. Influence of wake 

These three effects were tested in a simplified way in numerical experimentation. 
The calculations were performed in the Sells plane.  The supercritical inviscid 
calculations are performed by marching along the surface of the airfoil from 
leading edge to trailing edge on the upper surface and on the lower surface 
independently.  At each point of the surface a potential solution is solved in 
the column extending from the surface of the airfoil to the origin of the 
circle representing infinity.  The boundary layer calculations in most methods 
are performed in the same way by marching with the integration from the leading 
edge towards the trailing edge.  In the case of very thin boundary layer the 
boundary condition can be satisfied not at the edge of the boundary layer but 
on the surface of the airfoil itself.  For relatively low lift coefficients, 
so that the camber of the airfoil is not changed, the change of the mapping 
function of the airfoil into the circle may be neglected.  In this case the 
boundary layer changes only one boundary condition in the Sells plane from 

. 

3$ 
3r in  inviscid  flow 

to 
-li- ar 

36* 
30 

3$ 
30 for r =   1 

where 6* is the non-dimensional displacement thickness transformed into Sells 
plane. 

Modifying in this way the boundary condition for the supercritical 
calculations and at each point of the surface of the airfoil evaluating the 
boundary conditions from a solution of the boundary layer, it is possible to 
obtain a convergent solution, if the thickness of the boundary layer is under- 
relaxed. The process of iteration is nearly twice slower than for inviscid flow 
calculation.  Additional time is necessary for boundary layer calculation, so 
the total calculating time is up to three times longer than for the inviscid 
flow.  In the above process the boundary layer was calculated using the Nash - 
MacDonald method (24) .  Some of the results of viscous flow calculations 
performed for airfoil NACA 65,-213 are shown in Figs, li - 12 with comparison 
against NACA flight results (z6) and wind tunnel tests performed at NAE by 
Brown (27),  The results of viscous flow calculations show better agreement 
with flight test and wind tunnel test than the inviscid calculations. The drag 
versus Mach number is shown in Fig, 13,  This airfoil at these flow conditions 
represents a case where camber changes due to viscosity are small; airfoil itself 
has low camber, lift coefficient is low, so the boundary layer develops nearly 
svnunetricallv on both sides of the airfoili 

The same method has been applied for the shockless lifting 
airfoil No. 1 and the results are shown in Fig, 14,  In this case the viscous 
drag calculations agree with wake drag results but it is an exception. 

i; 
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It is important to underline that both cases represent one group 
for which the inviscid flow results calculated for experimental lift coefficients 
give good agreement with experiments.  The viscous effects are mainly accounted 
for by a change of incidence of the airfoil and thickness effects have rather 
secondary influence. 

As previously mentioned, calculated inviscid results do not 
agree with tests in many cases and small changes of incidence or Mach number in 
the calculations do not produce better agreement.  In the process of including 
viscous corrections it was discovered that the disagreements are caused by 
changes of the camber of the airfoil by boundary layer development, namely by 
decreasing it.  Hence in such cases it is necessary to introduce modifications 
of the mapping function correcting the shape of the airfoil by slightly modified 
boundary layer.  It is a very difficult and computer time-consuming process and 
it follows that the viscous corrections cannot be treated as a small perturbation 
of inviscid flow any more.  An example of experimental calculations for airfoil 
"x" is shown in Fig. 15 in comparison with wind tunnel tests performed by 
Bowker (28) at Reynolds number 14.6 x 106.  The viscous calculations were 
stopped after 1000 iterations with residue .00031, so the iterations had not 
fully converged. The viscous calculations were performed at Reynolds number 
Re = 21.106 and M = .74 and a = 0° .    The lift coefficient is .448 against .89 
in inviscid flow. The experimental data with similar lift coefficient happens to be 
at lower Reynolds number.     This comparison shows that the influence of the 
viscous effects is very significant and the viscous calculations show the right 
trend.  It appears that in this case the boundary layer is separated on the 
lower surface in the region .675 < x/c < .92. On the upper surface the boundary 
layer separates at x/c = .98. The calculated drag coefficient is .006, while 
the experimental value is .0084. 

•v 

I 

This example illustrates tremendous viscous effects for some 
airfoils.  Unfortunately, modifications of the mapping function (in calculated 
case about 100 times) is very computer time-consuming. 

A modification of the mapping function in an empirical way as it 
was done nearly forty years ago for incompressible flow by Pinkerton (29) is 
rather impossible because too many parameters have an influence, namely Mach 
number, Reynolds number, lift coefficient and geometry of airfoil. Therefore, 
it may be more economical to perform the viscous flow calculations in the 
physical plane, where calculations of the mapping functions are not necessary. 

Some numerical studies of the effects of the wake on the shockless 
lifting airfoil No. 2 were performed by adding a wake in an artificial way.  No 
conclusive results were obtained, but it seems that the wake has rather secondary 
effect on pressure distribution in transonic flow. A correct way of evaluating 
the wake effect would be by solving the near-wake problem, which is a problem 
by itself. 

From the numerical experimentation it can be concluded that the 
viscosity has the largest influence through modification of the camber of the airfoil. 

4.0  FLOW PAST SHOCKLESS LIFTING AIRFOIL NO. 2 

The discussed above shockless airfoils, symmetrical one and lifting 
No. 1 were designed for inviscid flow, and no changes to the shape of models were 
introduced with an exception of replacement of the cusped trailing edges by edges 
with finite thickness.  In the case of the lifting airfoil No. 1 the experimental 
Mach number for the shockless flow had to be increased from design one M = .75 
to .765 and .768 for 6 and 20% porosity of the wall of the wind tunnel 
respectively. The actual "blockage" corrections were much smaller (^.003 f .006). 
Hence the experimental higher Mach number was necessary to compensate the 
viscous effects.  It was thought that by modifying the shape of the airfoil by 
subtracting the boundary layer thickness calculated for a certain Reynolds number, 
this discrepancy in the Mach number value could be eliminated and a better condition 
for a shockless flow could be created, which will lead to a lower drag. 

This airfoil section was designed by Frances Bauer and P.R.Garabedian 
It is a 15.1% thick airfoil and iics design Mach number is M = .75 for shockless flow 
with a lift coefficient CL = .667. 'yThe design drag coefficient, which actually 
represents the thickness of the trailing edge and not the drag itself, is .0334. 
The design shape of the airfoil with characteristics in the supersonic region is 
shown on the left side of Fig. 16. The boundary layer thickness was calculated 
at Reynolds number 20.106 using the Nash-MacDonald-method. After subtracting the 
displacement thickness, the airfoil shape indicated by a dotted line B was used 
for manufacturing a wind tunnel model and for further calculations. It was 
expected that if the boundary layer calculations were correct, then in the flow at 
Re = 20.106 the design pressure distribution indicated on the left side of Fig. 16 
should be obtained in the wind tunnel tests. The inviscid pressure distribution 
calculated by the author for the thinner airfoil B are shown on the right side of 
the Fig. 16.  It has completely different character than the design pressure 
distribution, with supersonic region terminated by a very strong shock wave. The 
maximum local Mach number was Mioc =  1.68, so the isentropic approximation is not H 

■• ■■ 
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valid any more.     Supercritical  airfoils with  such  strong  shock waves  are  usually 
rejected.     The  calculated  inviscid  flow lift  coefficient CL  =  1.183  is nearly  twice 
higher than  the design one  at the  same angle  of attack  a =   0   .     The  comparison of 
these two pressure distributions illustrates  how important  in some cases  the 
viscous effects can be.     Differences of this magnitude have  been observed for many 
airfoils  in supercritical   flow.     In many cases the  inviscid  flow calculations  show 
very strong shock wave while  in the experiments the  shocks  are weaker and the  lift 
coefficients  are much smaller. 

In recently performed wind tunnel tests   (30)   the design pressure 
distribution was not obtained,  which is not surprising,   because  it was known a 
priori that the Nash-MacDonald method used for the boundary  layer calculations  is 
not very accurate.     Unfortunately none of the  existing boundary  layer methods  is 
accurate in  the transonic  regime.     For the  theoretical design case  it was not 
possible to obtain shockless  flow,   and the experimental  lift coefficient was much 
lower than expected.     After very careful experimentation  it was possible to  find 
two regions of shockless or nearly shockless  flow at much higher Mach numbers,  one 
nearly shockless  flow at M =   .767 with CN =   .585 and the  second one with much 
smoother termination of the  supersonic region at M =   .778  and with CJJ =   .494.     The 
discovered nearly shockless pressure distributions are shown in Figs.   17 and 18. 
To illustrate how sensitive  the shockless  flow is  to small  perturbations of  the 
flow parameters,   some pressure distributions  are presented  in Fig.   19.    For the 
same Mach number M =   .778  pressure distributions at the end of  the supersonic 
region are  shown at three  incidences different from one another by  .03°.     The 
middle  one corresponds  to  near  shockless conditions,   changing the angle of attack 
by only  .03*   in one or the  other direction causes  the  appearance of shock waves. 
The strength of the  shock wave increases rapidly with change of the angle attack. 
It is important to underline  that the obtained drag coefficient  for this  15% 
thick airfoil  is  really very  low at shockless  flow - C^    =   .0115 for CN =   .494  and 
M=   .778.     Comparison of the drag coefficient with shocKless  lifting airfoil No.   1 
(11.6% thick)   shows  that both airfoils have  identical drags  at M =  .778,   CN =   .494, 
although the  airfoil No.   2   is  15% thick. 

On the  other nearly shockless  flow condition  slightly poorer pressure 
distribution was obtained   (Fig.   17).     The  lift coefficient was   .585  and at M =   .767 
CA    =  .0125.     Hence  from the drag point of view this  airfoil  is very good at 
shockless  condition.     Unfortunately preliminary analysis of  the experimental  data 
indicate that the  general  characteristics of  this  airfoil  are not very good.     For 
example,   for the  same  angle of attack in the wind tunnel  as   for shockless  flow at 
M =  .76,  but at a Mach number M=.85 and Re =  20.106,   the velocities on the  lower 
surface increase so much that the pressure distribution is  nearly symmetrical 
on the upper and  lower surface.     Strong shock waves develop on both surfaces  and 
lift drops  to  zero.     By increasing angle of attack  it  is possible to obtain lift 
at this Mach number but with very high drag and with  the  shock on the upper 
surface    at the trailing edge.     The angle of  zero  lift of  this  airfoil at low 
speeds is  -4.426°  and changes  significantly with Mach number.     The maximum lift 
coefficient  is  rather  low  at high M. 

5.0       EXPERIMENTAL  EVALUATION  OF DRAG 

The experiments were performed in the NAE 5x5 ft blowdown wind 
tunnel with two-dimensional  insert with dimension  15 x 60  inches   (Fig.   20).     In order 
to eliminate  interactions between shock waves  and boundary  layers on the side walls 
of the tunnel in the vicinity of the model  sidewall  suction  is  applied   (Fig.   21). 
The amount of suction  is  selected during the test  in such a way that the best 
possible two-dimensional  flow is obtained.     Oil drops  flow visualisation  is used 
to check two dimensionality of  the  flow.     Sidewall body-axis balances are used to 
measure total  forces.     Surface pressure  is recorded at eighty points using 
scanivalves.     Wake pressure profiles are measured  at four  cross-sections normal to 
the trailing edge. 

The experimental measurements of drag  in transonic flow have the 
usual difficulties  connected with drag measurements,   namely due to the low values 
of drag,  good accuracy is  difficult to obtain.     In transonic drag testing one 
additional difficulty appears,  namely,  however carefully the  sidewall suction is 
selected,   it is not possible to have completely two-dimensional  flow on the model. 
The recorded values of the wake drag are not uniform along  the  span of the model, 
with differences of order up to  30%.     Some examples  selected at random are shown 
in the table below. 

I 
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Airfoil Shockless Shockless Shockless 
Symmetrical Lift.l Lift.2 

CN 
0.130 .464 .351 

M .792 .801 .758 

Re.10"6 25.1 20.1 20.3 

Central probe .0096 .01768 .01141** 

Probe II .00891 .01769 .00966 

Probe III .00876 .01519 .01299 

Near wall probe .0522* .11434* .00940 

* affected by sidewall boundary layer 

** the location of the probes for airfoil S.L.II was 
different than for the other airfoil. 

In the tests no tripping of the boundary layer was used.  In all 
results presented by the author only the data obtained from the central probe 
have been used to represent the experimental drag.  From the above table it is 
obvious that it is rather difficult to determine what the actual wake drag is. 
The balance drag indicates a certain average value for the model. 

In order to determine the repeatability of the experiment, four scans 
were performed during one wind tunnel run on shockless lifting airfoil No. 2 at a 
fixed angle of attack higher than for shockless conditions.  Fig. 22 shows signals 
from the pressure transducers for the four scans as printed on an XY-plotter.  The 
outputs, printed one on the other, show only some scatter near the shock wave. 
This data after data reductions are shown in Fig. 23.  The repeatability of results 
is excellent.  The corresponding aerodynamic data are as follows: 

Scan 1 2 3 .4 

M .770 .770 .771 .771 

Re.10"6 24,78 24.80 24.80 24.68 

ag 
1.983 1.981 1.981 1.981 

3 

C pressure .530 .534 .531 .538 

C balance .551 .510 .509 .509 

Cc balance .00865 .00872 .0087^ .00886 

Wake 1 (central) .01310 .01260 .01134 .01235 

Wake 2 .01108 .01106 .01038 .01059 

Wake 3 .01193 .01505 .01336 .01397 

Wake 4 (near wa 11) .00859 .01078 .01368 .01076 

The small oscillation of the shock wave causes oscillations of the wake, which may 
account for the rather large variations in wake drag. 

6.0 CONCLUSIONS 

1. It has been  shown  that  the application of  contemporary  airfoils  gives 
possibility of increasing flight Mach number in  transonic speeds  or allows 
for application of  thicker wings. 

2. In all existing design methods of contemporary airfoils  the drag  co- 
efficient  is not taken  into account. 

3. The accurate analytical determination of  the c"rag coefficient requires 
solution of  the non-isentropic problem and  is not possible because of 
costs. < 

4. The estimation of  the drag coefficients  from isentropic  supercritical 
pressure  calculations gives  inaccurate values of drag,   but indicates 
quite accurate drag  rise Mach number. 

5. Supercritical viscous  flow calculation is  possible. 

6. Shockless  lifting  airfoils have drag coefficients much  lower than 
conventional airfoils. 

7. On the basis of the  experience with only one airfoil   (shockless  lifting II) 
it is  difficult to generalize on the  usefulness of  subtracting the 
boundary  layer thickness  in order to obtai-i a better airfoil.    The 
expected low drag was obtained,  but the general off-design characteristics 

/ 



of this   airfoil was worse  than  for the  shockless  lifting  airfoil No.l. 

Inviscid supercritical   flow calculations  are  very  useful   in evaluating 
the  general  characteristics of  the  airfoil  and allow to  guess when the 
viscous  effects  are  important by indicating  regions  of   large pressure 
gradients and shock waves,   although their  strength  is  not  indicated 
correctly.     If  in  the  inviscid  flow the  shock waves  are weak,   then they 
are much weaker  in viscous   flow. 

In the  two-dime'nsional   transonic testing  at NAE  it has  not been possible 
to obtain a  fully   two-dimensional  flow even by using  sidewall  suction 
and  the  drag  varies  significantly along  the  span making  it difficult  to 
establish an  accurate  drag value. 

$-7 
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SUMMARY 

In contrast to the low speed case test results indicate that lift augmentation by the jet flap in the transonic 
regime is accompanied, not by a large thrust recovery, but by a significant increase in drag.   However to achieve 
moderate to high lifts the use of jet flaps rather than incidence has led to a significant reduction in the drag due to 
lift.   To calculate the transonic jet flap flow a modified Spence jet flap condition  is postulated and incorporated 
into the (unsteady) finite difference procedure.   An example   is then calculated and compared with experimental 
results. 

1.   INTRODUCTION 

The jet flap at low speeds is an effective lift augmenting device, and this augmentation is not only achieved 
without a drag penalty, but a   significant recovery of the jet momentum as thrust is obtained largely independent of the 
jet inclination.   Here the thrust beyond the streamwise component of the jet momentum is produced by the thrusting 
pressures induced on the airfoil by the jet flap.   These effects of the jet flap are reasonably well predicted by the use 
of the thin jet model of the jet flap used by Spence (Ref. 1), which is based upon the condition that a pressure jump 
arises across the jet which just balances the centrifugal force of the curving constant "momentum" jet. 

As the free stream Mach number is increased into the transonic regime, significant modifications of the 
flap effect can be expected primarily due to the appearance of a supersonic subdomain and its accompanying termi- 
nating shock wave on the airfoil upper surface.   To determine these modifications a series of tests were undertaken 
In the 2D high Reynolds number transonic wind tunnel at the National Aeronautical Establishment (NAE) In Ottawa on 
a series of jet flapped aft-cambered profiles of 101 thickness ratio.   The results were reported in part earlier in 
Ref. 2, and they showed that a significant lift augmentation can be obtained in much the same manner as in the low 
speed case, and that a considerable reduction of drag due to lift arises by the use of the jet flap.   In the first phase of 
the present paper we shall examine in more detail the effect of the jet flap on the drag due to lift to determine in 
particular the changes in the "thrust recovery" due to the Increase of the Mach number. 

As mentioned earlier the effect of the jet flap was found to be reasonably modeled by the thin jet approxi- 
mation used by Spence. At transonic speeds, however, the greatly magnified effect of the flow curvature on the flow 
will now require a modification of the Spence model, particularly in the treatment of the jet upper surface region 
just downstream of the trailing edge. In the second phase such a modification will be proposed in which a postulated 
wake flow is superimposed above the jet. The resulting jet-wake model is then incorporated as a boundary condition 
in the finite difference procedure of Ref. 3. The resulting procedure is then used to calculate the flow at M^ 0. 85 
over a jet-flapped aft-cambered airfoil tested earlier at NAE. 

2.  EFFECT OF THE JET FLAP ON THE TRANSONIC DRAG DUE TO LIFT 

- 

The data which we shall utilize In the present section has been obtained in the NAE 15 x 60 inch 2D tunnel. 
The upper and lower walls are perforated with a porosity of 20%, so that an open type wall interference effect on the 
Incidence will be present In the results as presented.   The models are described In detail in Ref, 2, and they are 
aft cambered airfoils of 10% thickness ratio with the simple jet flap (sonic) nozzle located on the lower surface near 
the trailing edge.   The chord of the airfoils was   15 Inches, and based upon this length the Reynolds number of the 
test was 30 x 10 . 

In Fig. 1 we first show the chordwise and "axial" pressure distributions at M^,3 0. 8 and at a given 
geometric incidence of 2° for jet momentum coefficients of 0 and 0, 02.   Consider first the more familiar chordwise 
distributions shown on the right side of the figure.   As reported earlier the lift augmentation by the jet flap (shaded 
area) is produced primarily by a near uniform overpressure Induced over the lower surface, by Increased suctions 
over the aft portion of the upper surface resulting from the relaxation of the Kutta condition, and by the chordwise 



<3, 0^ extension of the upper surface suction effected by the rearward displacement of the shock wave.    It is of interest 
here to note that the shock has been weakened by its downstream displacement. 

Cm the left side of Fig, 1 is shown the less familiar "axial" distributions, where the pressures are plotted 
as a function of the airfoil ordlnate at or = 0,   (The correspondence between these plots and the earlier plots of Fig. 1 
1 s   indicated by the lower case letters).   The area enclosed by the curves here would then yield the axial pressure 
drag ( Ca).  It is seen here that at a fixed incidence the lift augmentation is obtained at a considerable cost in drag, 
in stark contrast to the low speed case where one obtained a full thrust recovery.   Here the additional drag arising 
is not only due to the increase of C , but due to the increased drag component of the normal force Cn.   The primary 
contributor to this increased drag is the large suction (de of Fig, 1) induced by the relaxation of the Kutta condition 
on the inclined aft upper surface portion of the airfoil.   These increased suctions have not only decreased the area 
of the suction loop but also increased the pressure loop. 

The results of Fig, 1 as mentioned earlier have not been corrected for wall interference effects. In the 
jet flapped case with the higher Cn the effective incidence should be somewhat less than for C = 0, so that the actual 
drag penalty here should be less than that resulting from the use of the geometric incidence. 

In Fig, 2 we next show the "axial" pressure distributions for a geometric incidence of 2° but at M = 0, 7 
and 0. 9, At both Mach numbers the impact of the relaxation of the Kutta condition on C persists. Note for M^ 0. 9 
the near collapse of the suction loop and the expected overall reduced effect of the jet flap. 

Finally in Fig, 3 we compare the pressure distributions for Airfoil A at M  = 0. 85 with and without the 
jet flap at comparable lift coefficients.   Here the geometric incidence in the C   = 0 case has been increased to 4. 34° 
to match approximately the lift obtained in the jet flapped case for C = 0. 02 and a= 2,12°,   Airfoil A differs from 
the Basic Airfoil in that a "peaky" nose has been incorporated leading to the second suction loop on the lower surface. 
Except for the latter suction loop the "axial" pressure distributions here exhibit the same general difference as found 
previously, but now due to the greater drag contribution from the Cn due to the higher incidence for the C = 0 case, 
the latter will have a substantially greater drag, in fact an increase ACj)~- 0, 027.   (Here we have again not corrected 
the incidences for wall interference). 

Here the rapid increase of drag with incidence can be simply explained by the fact that suctions predomi- 
nate over the upper surface, while overpressures predominate over the lower surface, and that an increase of 
Incidence simply Increases the dragwise projections of both surfaces on which these pressures act to produce the 
added drag. 

In the general considerations of the drag due to lift at transonic Mach numbers it is amply clear 
that lift should be produced without extensively increasing the "dragwise" projections of the airfoil surface.   Thus 
for example the use of aft camber instead of incidence to produce lift is to be preferred.   The use of aft camber 
should however be restricted to moderate CjS (— 0,5) since the aft camber must not be excessive to keep the 
"projected area" tolerable, and of course to avoid trailing edge separation over the upper surface.   Jet flaps are 
simply an extension of the aft camber to greater angles, and their use should be considered for large CLS(~ 1) on the 
largest tolerable aft camber.  It has the advantage that the adverse forces acting on the jet flap are not directly 
transmitted onto the airfoil. 

In contrast to the aft camber case the Kutta condition is not fulfilled in the case of the jet flap.   This leads to 
a significant contribution to the lift, but when the jet flap is used in conjunction with an aft camber, the added suctions 
here as seen earlier will lead to increases of drag that will clearly more than offset the benefits of the increased lift. 
Finally so far as lift augmentation is concerned, the "effective C." of the "solid" aft camber cannot be matched by 
reasonable C s in the case of the jet flap alone,   so that for moderate lift coefficients the jet flap is clearly not a 
satisfactory substitute for aft camber. 

3.   JET FLAP BOUNDARY CONDITION 

As mentioned earlier at low speeds the jet flap effect was reasonably modeled by the thin jet approxi- 
mation used by Spence.   In this approximation a limiting process is carried oui' in which the thickness of the jet is 
reduced to zero, while the absolute value of the jet momentum is kept Invariant.   Mixing of the jet with the surround- 
ing ambient fluid is neglected, so that the jet momentum is constant along the jet.   After the jet exits into the external 
stream, aerodynamic forces will rapidly turn the jet In the direction of the free stream, the Jet assuming a shape 
such that the centrifugal force of the curving jet Is just counterbalanced by the jump in the pressures Induced across 
the jet.   Thus if y = yj(x) Is the shape of the jet, then at a given point on the jet a pressure jump Pj(x) - Pu(x) arises 
which Is given in terms of the constant momentum flux of the jet M. and y (x) by the relation 

2    ■3/2 

PjW - Pu(x) = iftj y." [1 + y.' (x)l (1) 

where the subscripts 1 and u denote the lower and upper sides of the jet, and the primes denote derivatives.   Further 
the flow on either side of the jet must be tangent to the jet surface, so tha. 

vu(x, yj)/uu(x, y^) = Vjfx, y^/ujfr, yj = y^x) (2) 

.',-■ 

■ 

v 



where u aDd v are the velocity components. Eqs. (1) l&lld (:.!)then constitute the thin jet boundary condition, 

In the treatment of the jet Rap Spence linearized the above conditions consistently with the thin airfoil 
theory prescribing them in a planar fashion. He then solved the reaulting mixed boundary value problem by distri­
butinc vortices of appropriate strength alone the airfoil aDd jet. 

In the transonic case the invtscid model of the jet flap as given above by Eqs. (1) and (2) doea not ade­
quately model the Dow over the upper surface of the jet, particularly just downstream of tho trailing edge, The 
utreme sensitivity of the Dow to its curvature in the transonic regime will necessitate the inclusion of a wake 
above the jet to modulate the convellity of the Dow to a realistic value over the upper surface trailing qe. In the 
abeence of such a wake (inviacid Dow) depending upon the free stream Mach number M..,, the airfoil sbape, and its 
incidence either of two unrealistic flows will be obtained. First if a terminating shock forms on the airfoil (lower 
M and cr) a second aupersontc region will be formed above the jet by the expansion arising at the trailing edge tbat 
wUl ta be terminated by further shocks tbat must now impin,e on the jet. The second pollibility (higher M..,andcr) 
is tbat the termtnattnc shock is simply sucked downstream past the trailing edge forming a supersonic region tbat 
utendi dO'Inl8tream of the trailing edge. 

To avoid the occurrence of the above severe unrealistic trailing edge expanslona, in the modified model 
of the jet Rap we sball simply place a poetulated wake above the jet as ahown In Fig. 4, To define the wake we slall 
first assume an a priori knowledge of the trailing edge preasure at the upper surface. In most caaea (below buffet 
condltiona) this preasure Is subeontc, aDd It would then be reasonably close to the bale preaaure, In the NAE teats 
it was found tbat for a given Reynolds number and M.., the above traillnc edge preasure waa cloaely invariant to CT"' 
Alq the upper surface of the wake the preasurea are aaaumed to vary in a simple preacribed faahion from the 
above trailtnc edge value to the free stream value far downatream. Across the wake the preaaure ia then aaaumed 
to be invariant. For the jet the thin jet condition In the nonlinear form given in Eqs. (1) and (2) is retained, but 
now Pu(K) will assume the prescribed values along the upper surface of the wake. Tbe thin jet here forma the lower 
surface of the wake. 

To be sure the above model will be but a first order deecription of the jet-wake as a whole, but it should 
satisfactorily deecribe the now upatream of the trailing edge, in particular the surface preaaurea, provided the 
trailing edge pressure on the upper surface can be reasonably assigned. Since the initial jet flap angle tbat il 
prescribed is known, the lower surface traililllt ed~te pressure should be reasonably well predicted by the inviscld 
theory since the separated region that generally forms upstream of auch a blunt "step" Is conatantly being entrained 
away by the jet. 

Lastly, at the high subsonic M.., of interest here It should be noted tbat there will be negligible upatream 
propagation of the possi'>le errors due to the Inadequate portrayal of the jet-wake further downatream. 

4. FINITE DIFFERENCE PROCEDURE 

Tbe jet-wake condition as postulated above has been incorporatAd into the finite difference procedure of 
Ref. 3. Here the 8ll&ct inviscld equatiooa lave been used in an unsteady form to avoid the mixed elliptic-hyperbolic 
character of the steady equations, In this form the equations are of hyperbolic type permitting the uae of a marching 
process. With the prescription of suitable conditions at the airfoil and in the free stream, the dealred ateady Dow 
Is then obtained as the asymptotic flow for large timee. As initlsl conditions a known oeighboring flow Is used, and 
the initial flow is then driven towards tbe desired ateady now by abruptly imposing the airfoil condition, When the 
equations are used in the proper cooservatioo form, the embedded shocks are properly captured by the marching 
process. To an adequate apprmdmaUon the flow can be assumed as an Isentropic flow, since the entropy production 
by the expected shocks Is negligible. 

For the clas& of blunt-nosed airfoils of tntereat, planar boundary conditions are Inadequate. The euct 
airfoil boundary conditions must be uaed, aDd it must be lllfUied on the 8ll&Ct boundary in the nose region. (Ref. 3), 
Downatream of the nose the 8ll&Ct conditions may be imposed however in a planar fashion. Tbua in Ref. 3 the airfoil 
and the trailing stqnatloo streamlioe were replaced by a aemi-inffnite alab with the parallel sidea aligned with the 
free atream directioo and with the aemi-circular nose, forming the upetream 8lltremtty of the a lab, overlaying the 
airfoil leadtnc edge circle. In the cue of the jet flap the preacrlbeid preaaurea oo the upper aurface of the wake are 
impoaed aloag the upper side of the alab dowutream of the trailing qe point, while the thin jet coadltioo ia pre­
scribed aloag the lower surface. 

For the flldte dUference anal0111e a carteatan meah ia uaed in moat of the now domain with a variable 
meah apacing employed to match the •pected Row cradleata. 1'llwl in the vicinity of the airfoil, and in particular 
about the •pected location of the ahock, a finer meeh il uaed. In a Mmicircular cCJDCeatric aector about the noae 
of the slab and in the far field, the equatiODI in polar coordlnatee are uaed to facilitate the fulfillment of the boundary 
cODdltioo at the sulface and at iDflnity. Suitable overlap of the varloue mesh regiODI muat be !'rovided to maintain 
tbe oecee•ry Row coattnuity. Tbe Lu-Wendroff eecond order difference acbeme ia uaed to derive the differeoce 
equatiODI, 

To U11111trate the al:ove procedure we lave calculated the ftow over Airfoil A at M.., • o. 85 for a jet flap 
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angle ej = so• and ~ = o. 02. As an artifice to locate the shock and to Incorporate the change of the effective aft 
camber due to the boundary layer displacement effects, we have prescribed the measured pressures aft of tbe shock 
as the boundary condition rather than tbe geometric slopes. The results of the calculation would then yield tbe 
"boundary layer displacement ramp" where tbe experimental pressures were prescribed. Since the effectiv.:: lflcldence 
in the experiments was unknown due to wall interference effects, we have further adjusted the incidence in the cal­
culations to obtain a match of the plateau pressures. 

The resulting calculated pressure distribution is shown In Ftg. 5 where also the measured pressures are 
given. The undulations in the latter pressures along the upper surface plateau region, are most probably the con­
sequence of a small confiDed leading edge separation that bas propagated downstream along a reflecting sequence of 
Mach waves. These undulations lave decreased the surface Mach number just upstream of the shock, resulting in 
a weaker shock. 

The ''boundary layer displacement ramp" is also sbown In Fig. 5. The actual ramp with the weaker experi­
mflltal shock would be thiDDer tlan that calculated. The u11e of such calculated dlsplacem6nt ramps las been suggest­
ed as an empirical input for tbe determination of semi-empirical turbulent boundary layer equations applicable for 
cases with shock-induced separations. (Ref. 3). 

5. CONCLUDING REMARKS 

An examination of the experimental pressure distributions showed that a significant decrease in the drag 
due to lift results if a given (large) ltrt is obtained by the use of jet Oape rather than by airfoil incidence alone. On 
the other band at transonic speeds the jet flap lift augmflltation was obtained at a severe cost in added drag, in con­
trast to the low speed case where the lift augmentation was accompanied by a near full recovery of the jet momentum 
as thrust. The above results should not be surprising, since they are merely the reflections of the fact that tbe 
production of lift in tbe transonic regime is "cosUy", no matter tbe mode utilized; and that tbe use of Incidence is 
more "expensive" than tbe use of jet flaps. In the planar case, lifts with the jet flap can of course be achieved that 
are unattainable by incidence alone. 

The suggested finite difference method to treat the jet flap at transonic speeds is by no means complete. 
Completeness must await the determination of a reliable empirical formulae for the tralllng edge pressures and the 
development of a procedure to treat the boundary layer. 
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Thin Jet Condition of Spence 

Figure 4.   Modified Jet Flap Model - The Jet-Wake  Model, 

VISCOUS RAMP- 

- CALCULATIONS:   M   = 0.85;  o   = 1.9 ; C     =0.02 

EXPERIMENTAL:   (Run No. 9823) 
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Figure 5.   Comparison of the Calculated and Measured 
Pressure Distributions for Airfoil A. 
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COMPARISON OF VARIOUS METHODS FOR CALCULATINa PROFILE DRAG FROM 

HJESSURE MEASUREMENTS IK THE NEAR  WAKE AT SUBCRITICAL SPEEDS 

J, Zwaaneveld 

National Aerospace Laboratory KLR,  Amsterdam 

- 

SUMMARY 

Three methods for calculating the profile drag from total and static pressure measurements in the 
wake have been compared.   An analytical model of a compressible two-dimensional wake is used to obtain 
numerical results. 

Both the oldest method of Betz and the widely used method of Jones allow the  static pressure varia- 
tion across the  wake to be taken into account. These methods are therefore suitable to treat  the flow 
in the very near wake.  The third method developed by Squire and Young is in principle only valid when 
the static pressure variation across the wake is negligible. To extend this method to the more general 
case,  two modifications are considered, the first as proposed by Squire and Young,  the  second as pre- 
sented by the author. The   latter modification makes use of the momentum integral equation with modified 
parameters. The numerical results show this new approach to be in far better agreement with the method 
of Jones than the first  mentioned modified version. 

S0MMA1RE 

Troie möthodes pour calculer la trainee de profil  5, partir des mesures de pression totale et 
statique dans  le  sillage  ont StS oomparSes. Un modSle  analytique  d'un Sooulement  compressible et bidimen- 
sionnel,  dans le sillage est utilisS pour obtenir des rösultats numSriques. 

La raöthode  la plus anoienne de Betz aussi bien que  la möthode de Jones qui est appliquöe fröquemment 
permettent  de tenir oompte d'une variation de la pression statique & travers  le sillage et ces mSthodes 
peuvent done §tre appliquges & I'^ooulement  dans  le sillage prSs du bord de fuite.  La troisiSme möthode, 
celle de Squire et Young,  est en prinoipe  seulement valable dans  le oas oü la variation de  pression 
statique & travers le sillage est nögligeable. Pour ölargir le domaine d'applioation de cette mäthode 
deux variantes ont StS considSröes,  l'une döjä proposöe par Squire et Young,   I'autre par I'auteur.  La 
derni6re Variante utilise  l'öquation integrale de quantity de mouvement avec des paramfitres modifies.  Les 
rösultats obtenus aveo cette nouvelle approche sont en meilleu» accord avec  la m5thode de Jones que ceuy 
de  I'autre Variante mentionn^e. 
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H,H,H 
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u,v 

a,v 

;C,Y 
x,y 

airfoil chord 
drag coefficient 

drag coefficient, equation (20) 

drag coefficient, equation (22) 

static pressure coefficient, 

c  - c 
p   p *w   'e 

total pressure coefficient, 

drag of unit span 
force on source distribution 
strength of source distribution 
shape factors 
Mach number 
static pressure 
total pressure 
velocity components in X and Y 
directions 
velocity components in x and y 
directions 
co-ordinate system,  see figure 1 
co-ordiante  system,  see figure 1 
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Subscripts 
e 
i 
3 
w 
00 

B 
J 
SY 

ratio of specific heats 
boundary layer or wake thickness 

displacement thicknesses 
[respectively Eq.(A.7) and Eq.(A.2l)] 
momentum thicknesses „ 
[respectively Eq.(A.ß),  Eq.(l8)  and Eq.(A.20)j 
density 
shear stress 

edge 
inviscid flow 
value calculated from p. and p 
wall, centre line 
free stream, infinity downstream 
Betz 
Jonas 
Squire and Young 
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1    INTRODUCTION 

In view of current experimental investigations and theoretical studies of the compressible flow 
near the trailing edge of an airfoil, where the  static pressure differs cousiderahly from  .he free  stream 
pressure and in general varies across the houndary layer and the wake,  a comparison of existing methods 
for determining the  drag of two-dimensional airfoils from wake surveys under thess circumstances is of 
general interest. 

The origin of the underlying methods stems from Proude almost a century ago  (Ref.   l). He showed 
how the  skin friction resistance of a ship must he entirely accounted for hy the momentum it  gives to 
the water through which it  passes. Taylor (Ref.  2)  introduces this method in aerodynamic research and 
derives a relation between the drag of a flat plate and a wake integral representing the defect of flow 
momentum per unit time. This solution is limited to conditions where the static pressure in the wake 
equals the free stream pressure. It appears in the more general case,   if the static pressure in the 
wake differs from the free stream pressure, that the exact  expression of the drag from the momentum theorem 
contains static pressure terms to be measured outside the viscous wake flow. Several approximate methods 
have been published to eliminate this unpractical feature. The first  method is that of Betz,   published 
in 1925 (Ref.  3). The effect of the wake flow on the outer field is taken into account by the introduc- 
tion of a source at  the model  location. A second method is given by Jones (Ref. 4)« He introduces an 
imaginary inviscid flow from the survey plane to a plane far downstream where the static pressure 
equals the free stream pressure. The third method is due to Squire and Young (Ref.  5).  They calculate 
the profile drag from the momentum thickness at the trailing edge,  applying the integral momentum 
equation of the wake and an empirical relation between the  shape factor and the velocity at the edge 
of the wake. 

■ 

The three mentioned methods give the same results for  survey planes located sufficiently far 
downstream where the difference between the static pressure  in the wake and the free stream pressure 
is negligible.  However,  close to the trailing edge of an airfoil the  static pressure  in the wake differs 
from the free stream pressure and in the very near wake there exists in general a static pressure 
variation acrosr the wake. In these oases the methods produce differences in the calculated drag coeffi- 
cients. Because of present interest  in the details of trailing edge flow it was found to be useful to 
compare the various methods closely. 

The methods of Betz and Jones allow a static pressure variation across the wake to be taken into 
account.  The method of Squire and Young,  however, is based on standard boundary layer approximations 
and a modification is necessary to account for such a static pressure variation. Two modifications 
will be considered.  In the first place, as suggested by Squire and Young, by a correction to the momentum 
thickness but   leaving the displacement thickness unchanged.  The correction term is found from the  static 
pressure distribution across the wake. In the second place another solution is derived in the present 
report which is based on a momentum integral equation with modified wake integral parameters. The used 
modified definitions of the momentum thickness and the displacement thickness were first suggested,  in 
principle,  for a boundary layer with a normal pressure gradient by Wyring (Ref.  6). To  show the differ- 
ences between the various methods some numerical examples will be presented using a simple analytical 
model of a compressible two-dimensional wake flow with and without a normal pressure gradient. 

2    DISCUSSION OF BASIC METHODS FOR DETERMININQ FKOPILE VRkO 

2.1    Method of Betz 

In reference 3 Betz derived for an incompressible flow an expression to determine the profile 
drag from the static and total pressure distribution in the wake cross section.  As far as known a 
solution for compressible flow has not been published.  Such a solution will be presented here. The 
approach differs typically from the original one, but  the same features of Betz's method have been used. 

Consider a two-dimensional steady compressible subsonic flow around an airfoil (Pig. l). Far 
upstream the flow is uniform with density p^ and velocity 11«,   parallel to the X-axis.  The drag D is 
defined as the resulting force in the X-direction on the airfoil of unit  span. Application of the   momen- 
tum theorem to the control surface S results in 

- J» p dY - /pU (UdY - VdX) (1) 

According to Betz an inviscid flow is introduced which satisfies +he boundary conditions of the 
actual flow along S outside the viscous wake flow. In the wake region the assumption is made that the 
static pressure of the inviscid flow equals the actual static pressure. Therefore in this region the 
velocity of the inviscid flow will be larger than the  actual velocity due to the total pressure  loss in 
the wake of the actual flow. Because this latter flow satisfies the continuity equation, the inviscid 
flow contains within the control volume a source distribution of total strength 

■Aiui pU)  dY -/(piUi 

h 
pU)dY (2) 

where the integration across the wake is taken normal to the X-axis. If the interaction between the 
source distribution downstream of the survey plane and 0 is neglected, then the force on the source 
distribution of total strength G in the X-direction amounts to 

^(p.U.   - pU)  dY (3) 

/ 
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Application of the momentum theorem to the inviscid flow gives 

F . -/pidY -   /p.U.   (U.dY - V.dX) 

Subtracting equation (4)  from equation (l) it follows 

D - P -    /p.U^dY -  / pU2dY 

s   11      S 
Substitution of equation (3)  into equation (5) results in the  profile drag 

(4) 

(5) 

D - / pU    (U«, - ü)dY "/p^i  (U^ - U.)dY (6) 

'S 's 
It can be shown that for an incompressible flow this last  expression agrees with the expression of 
Betz from reference 3. 

The profile drag coefficient  is defined as 

and it follows from equation (6) 

2D 

p & 

t/Ä'-i'-i/^-t'« "3       " • Hn"« "oo 
o 

(7) 

(8) 

2.2    Method of Jones 

A simple method is due to Jones (Ref, 4). He introduced an imaginary inviscid wake flow between 
the survey plane and a plane far downs+ream where the static  pressure equals the free stream pressure. 
The compressible case has been considered by Young (Ref.   7).  Along the streamlines of the imaginary 
isentropic flow assumed now the total pressure and the total temperature remain constant. The mass flow 
in the wake does not change and the velocity U. on the imaginary streamlines far downstream is known 

from the total pressure and total temperature at the survey station and the static pressure of the free 
stream.  Application of the momentum theorem to the far field results in the following expression for the 
drag per unit span (Ref.  7) 

D.  / pU  (U^-U  )dY 
0 J 

The profile drag coefficient using the method of Jones in compressible flow is thus 

U , 

d P u,» u    uj 

(9) 

(10) 
'» » 

2.3    Method of Squire and Young 

This method was originally derived to calculate the profile drag from theoretical boundary layer 
calculations up to the trailing edge (Ref. 5). A oompreseible  solution is given in reference 8,  and it 
appears that this method is in use to determine the profile drag from wake surveys (Ref,  9). The method 
is primarily based on the solution of the boindary layer momentum integral equation with zero normal 
pressure gradient. If applied to the wake f>w, where the wall shear stress vanishes, the governing 
equation for the compressible case (Ref, 8 and of Eq. (A,9) of the Appendix) 

can be written in the form 

de    e  dpe    e  due , „    „,    n 

6 Q 

1 de^l   dpe w,, , „v d    /.    V      n 
e IT7; dT + (2 + H) dG? (ln u^ ■ 0 

Integration over x from the survey plane to a plane far downstream where u   ■ l^ and p 
gives 

H 
P«e u.        /      u» 

dH 

According to reference 10 the shape factor at infinity is given by H^ - 1 + (y - 1) 
linear relation between In^/u^  and (H-Hj  (see Refe.  5 and 8) it follows 

(11) 

(12) 

" Pco 

(13) 

Assuming a 

S 

H+V-4 

(14) 

«a. 
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Prom the momentum theorem applied to the far field the profile drag coefficient  is given by 

2D 2<k 

Hence the profile drag coefficient, using the m^hod of Squire and Young, for the case of a compressible 
flow with constant  static pressure across the wake is 

H+H +4 

(15) 

~ P      u 2 

\r      c poo u« 
(16) 

3    MODIFICATION OP THE BASIC METHOD OP SQUIRE AND YOUNG FOR A WAKE WITH A NORMAL STATIC HiESSURE CKADIENT 

3.1 general 

If the static pressure varies across the wake the method of Squire and Young has to be modified. In 
the appendix- it  is shown that,   for a boundary layer with a normal pressure gradient, the momentum inte- 
gral equation can be derived in two different ways. In the first approach the conventional definitions 
of the boundary layer parameters are used,  and an additional pressure term appears in the momentum 
integral equation. Squire and Young suggested in an appendix to reference 5 to correct the momentum 
thickness with this pressure term and they derived a drag coefficient   in the usual way. This will be 
discussed in section 3.2. 

In a second approach modified definitions of the boundary layer parameters are used. It appears 
that along these lines a    momentum integral equation is obtained of the conventional form. This second 
approach will be presented in section 3.3. 

3.2 Modification as proposed by Squire and Young 

As discussed in the previous section.  Squire and Young suggested to make allowance for the static 
pressure variation across the wake by adding to the momentum thickness a term which depends on the 
static pressure distribution across the wake. They consider only an incompressible flow. Por the com- 
pressible case the g verning equation (A.8) applied to the wake flow with zero wall shear stress results 
in 

du 
— (p u2e) + puö"4£-4-/(p-p)dy-o dx VKe e '      ve e       dx     dx/   v^      ^V^ 

i thickness as 

/ P - Pe   , 

With the introduction of the corrected momentum thickness as proposed by Squire and Young 

P- P„ 
e - e 

the following equation can be derived 

i^ + J.   _£+ (2 + H) f (in^)  - 0 
6 dx      p      dx        v '  dx x      IL/ 

(17) 

(18) 

(19) 

where H ■ o /i 

Integration over x from the survey plane to a_plane far downstreajn where u   « U^ and p - p .and 
assuming a linear relation between In^/u ) and (B - 1^,), a drag coefficient oln be derived in'a similar 
way as discussed in section 2.3 

H+H+4 
5   P       U 

^"*ZK% (20) 

3.3    Present modification 

If the boundary layer momentum thickness and displacement thickness are calculated using the 
modified definition (as discussed in the appendix) the governing momentum equation (A. 18) applied to the 
wake, results in 

du. 
I- (p.   u?   e) + p, u. ö-^i* dx vriw   iw    '      Kiw iw     dx 

Again,    in a similar way as in the previous section, a drag coefficient can be derived 

R+H +4 

where H » 6 / 6 SY 

g P-      «• 
o p« lC; 

(21) 

(22) 

/ 
/ 



4   NUMERICAL COMPARISON OF THE VARIOUS IWHODS 

/lil    General io~& 
To be atle to compare in a systematic way the various methods for determining the drag from wake 

surveys,  a two-dimensional compressible wake-flow model is introduced.  For simplicity the symmetrical 
case is considered only. Prom experiments it  is found that, for a symmetrical airfoil at  zero incidence 
the total pressure loss distribution in the wake can be approximately expressed by 

^tw 
oos^ (|)lt (23) 

where o ^    is the  pressure coefficient on the centre line of the wake  (Fig.  2) and 6 equals the width 
ptw 

of the symmetrical wake. 

In order to  study the effect  of a static pressure variation across the wake a somewhat arbitrary 
but  simple pressure distribution is chosen 

Here c 
pw 

(f)« (24) 

is the static pressure coefficient on the centre line of the wake and Ac the difference between 

c    - c      -Ac    sin 
P       Pw P 

the pressure coefficient on the centre line and the edge of the wake. 

A comparison of assumed and measured velocity distributions for incompressible flow is given in 
figure 3. For the assumed velocity distributions representative oonbinations of o        and c      values are px w pw 
chosen. A possible static pressure variation across the wake is neglected.  It appears that the 
agreement with the experimental data is reasonable. However,  it  should be noted that the assumed shape 
factor at the trailing edge is somewhat too high. It can be pointed out that this has a very slight 
effect on the ratios of the drag coefficients to be calculated. Bearing in mind the objective of the 
present study, it  seems acceptable to apply the assumed pressure distributions for compressible flow too. 
To illustrate the effect  of Mach number on the velocity distribution,  the shape factor H is given in 
figure 4 as a function of o        for a wake with free stream static pressure. It may be noted that  going 

downstream the total pressure  loss on the centre  line of the wake decreases and the shape factor goes 
to HJQ« 1 +(Y-1)^2 as applied in section 2.3. 

Prom experiments it appears that at the trailing edge of an airfoil with attached flow a static 
pressure coefficient of c      • 0.2 to 0.3 is mostly found. Experimental data with regard to the static 

pressure variation across the wake are scarce. Jones (Ref.  4)  found for a 20 /a thick airfoil at  low 
lift at  about 4 /^ of the chord downstream from the trailing edge,  a pressure difference across the wake 
of Ac    m 0.07. For the numerical examples given in the present  report the value Ac    a 0.1 is used. 

To calculate the drag coefficients it is assumed that the normal velocity component may be neglected. 
If the total temperature is assumed to be constant everywhere in the flow,  the velocity and density 
ratios can be calculated from the isentrcpio flow relations (for arbitrarily chosen conditions 1 and 2) 

2Y 

(25) 

(26) 

The drag ooeffieients are obtained by numerical integration using S12 points resulting in an accuracy 
of better than icr4. 

For the particular case that the static pressure in the wake tquals the free stream pressure,  it 
can be easily ENJWH that the various methods produce the same results. This means that differences 
between the various methods exist only if the static presBure in the wake differs from the free stream 
pressure. 

4.2   Wake with constant static presBure 

Computed values of o. 0/6 for the various methods are presented in figure 5 as a function of the 

maximum total pressure liss for M • 0j 0     ■ - 0,2, 0 and 0.2 and Ac    . 0. It appears that in the case of 

positive static pressure coefficients the methods of Jones, and Squire and Young differ only slightly. 
The method of betz results in a drag coefficient which is too low as compared with the other ones. In 
figure 6 the ratios of the drag coefficients are presented for some positive static pressure coefficients. 
The maximum difference between c^    and o^ exists just before the maxiniu« possible total pressure 

■ 
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lose at the trailing edge  ooours. The maximum difference between the two methods appears to he sur- 
prisingly small. The effect of Mach number is seen from figure 7.  It  appears that  the maximum differences 
between c,™ and c,    are nearly independent of Mach number. 

4-3    Wake with a normal static  pressure  gradient 

It turns out that the ratio c,^ /C
JT iE nearly independent  on the variation  of the static pressure 

across the wake. Therefore the results of c.^/o      presented in figures 6 and 7 hold approximately for 

the case of Ac    unequal zero. 

Published experimental data (Ref. 4)   show that the deduced values of o      decrease when approaching 
CLD 

the'trailing edge of an airfoil. This indicates that the method of Betz does not  predict under these 
conditions the drag coefficient very well.  However, the results obtained with the method of Jones appear 
to be good. 

Using as a basis the method of Squire and Young to calculate the drag coefficient for the case of 
a static pressure variation across the wake two modifications have been derived in section 3. When the 
modified versions are compared with the method of Jones (for an assumed static pressure coefficient 
c      = 0.2 and a variation Ac    =0.1) there appears to be a noticeable  difference between the two 

pw P 
modifications (Pig.  8). 

' 

In the case of the modification based on the corrected momentum thickness 0,  the differences with 
Jones are largest.  This suggests that the  ©-method is less correct, which is probably due to the fact 
that the derived integral equation (19)  has lost its physical meaning.  In this approach the static 
pressure variation is known to be completely accounted for in the momentum thickness,   leaving the 
displacement thickness unchanged.  As a result the displacement thickness öHdoeB not satisfy the continu- 
ity concept. The foregoing conclusion is further supported by a comparison of the  calculated shape 
factors (Pig.  9). With decreasing total  pressure  loss the  shape factor has to approach the value 
H^ = 1 in the incompressible case.  However, K increases with a decrease of total  pressure loss below 

'ptw 0.4 approximately.  On the contrary H    shows the correct trend.  On the other hand it appears that 

the differences between the drag coefficient c,„„, calculated with modified definitions of the wake 

parameters, and 0 are comparatively small (Pig. 8) and are of the same order as found in the case 

of a constant  static pressure across the wake  (Pig. 6). 

The favourable results obtained indicate that the expression (A.15)  of the modified momentum 
integral equation,  as derived by %ring (Ref.  6),  has a real meaning    and that the von Kärmän^ 
integral equation (A.19)      with modified integral parameters,  derived in the present report,  can be used 
for practical purposes. Therefore it  is to be expected that this modified momentum equation is suitable 
to treat boundary layer flows,  where  a static pressure variation across the viscous layer exists,   as for 
example close to a separation point  or close to the trailing edge of an airfoil,   or in the case that a 
shock wave interacts with a boundary  layer, etc. 

5    ERRORS INTRODUCED BY STATIC  PRESSURE APPROXIMATIONS 

1 

: 

The determination of a total pressure distribution across the wake with a total pressure tube  is a 
relatively simple matter as compared with  static pressure measurements.  It  seems therefore of some 
interest to determine the errors in the calculation of the  drag coefficient  if simplified assumptions 
are made concerning the wake static pressure. The errors will be calculated for the discussed example of 
section 4.3. Thus for the assumed actual case the static pressure coefficient  in the v;ake decreases from 
0pW ■ O«2 on the centre line to o      = 0.1 at the wake boundary with a distribution given by equation (24) 

This pressure distribution will now be approximated by a constant  static pressure at the following levels; 
a, the centre  line  pressure p 

b. the edge pressure  p 

the free stream pressure p^ 

It  is obvious,  that the resulting errors depend on the assumed values of c 
pw' 

c      and the total pe 
pressure  loss in the wake.  The maximum error is found at the trailing edge,  where a maximum in the 
total pressure loss appears. The calculated errors in  per cent of the correct values are presented in 
the table. Only the errors in the drag coefficient 'JOY are  given, becau'se  it  appears that the other 
drag methods of Betz and Jones give nearly the  same results. 

1         00 
case 

approximated conditions error in   i                 | 

Ac 
P 

0 
pw 

p 
%Y 

6« 1 H     i 

0 
a 
b 
c 

0 
0 
0 

0.20 
0.10 
0 p» 

- 6.6 
34.0 
57.3 

2.3 
-18.1 
-29.7 

-5.6 
6.1 
3.8 

6.3   1 
-22.8 
-32.3 1 

1.0 
a 
b 
c 

0 
0 
0 

0.20 
0.10 
0 

Pw 
pe 
P« 

- 3.8 
28.6 
43-5 

2.5 
-14.7 
-25.2 

-3.C 
6.0 
1.8 

5.7   1 
-19.5 
-26.6 

' 



10-7 

For the actual case considered,  the velocity on the centre  line of the wake uw = 0, This condition 

on the trailing edge can also be conceived as a turbulent boundary layer flow. The errors in the boundary 
layer (wake)  parameters as compared with the values found from the modified definitions as given in the 
appendix, are presented in the table too. The results show that the errors in the drag coefficient and 
the displacement thickness are smallest if the actual pressure distribution in the wake is approximated 
by a constant static pressure equal to the wall or centre line pressure. 

From the calculation given before and from the results presented in figure 5 i*  can ^e concluded 
that at a given total pressure distribution in the wake the calculated drag coefficient at high total 
pressure loss depends strongly on the static  pressure in the wake. That means that small errors in the 
experimentally determined static pressure  level cause large errors in the  drag coefficients. As an 
example it is found for c      . 0.2 at the trailing edge that an error of 0.01 in the  static pressure 

pw 
coefficient results in an error of 4 to 6 ]o in the drag coefficient depending on the method used. The 
error decreases slightly with increasing Mach number. 

The scatter in the experimental drag data near the trailing edge of an airfoil,  as found by Pirmin 
and Cook (Ref. 9),  may probably be attributed to the discussed effect of errors in the static pressure 
readings. 

6 CONCLUSIONS 

The main results of the comparative numerical study on methods for calculating the profile drag 
from total and static pressure measurements in the near wake can be  summarized as follows. 

- For a wake with a positive static pressure coefficient,  constant  across the  survey plane, the drag 
coefficients obtained by the method of Squire and Young show negligible differences with those 
obtained by the method of Jones. Beta's method,  in the present report  extended to compressible flows, 
results for this case in lower drag coefficients. 

- If  in the very near wake  a static pressure variation exists across the  survey plane, the basic method 
of Squire and Young has to be modified. Two modifications of this method have been considered. It  is 
shown that  the results obtained with the modification derived in the present report, using the 
momentum integral equation with modified definitions of the momentum thickness and displacement 
thickness, agree far better with the results from the method of Jones than those  obtained with tne 
modification as originally proposed by Squire and Young.  Because the method of Jones appears to be 
an adequate approach for the experimental determination of the drag coefficient,   it can be concluded 
from the foregoing result that the von Karman's integral equation with modified integral parameters 
has undoubtedly a practical meaning. 

- An appreciable error may appear in the calculated drag coefficient  if the static  pressure variation 
across the near wake is neglected. 

- At  survey planes close to the trailing edge,  where the maximum total  pressure losses are high, the 
resulting drag coefficients are highly sensitive to errors in the static pressure readings. 
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FIG. 1   SCHEMATIC REPRESENTATION OF THE VISCOUS FLOW 
AROUND AN AIRFOIL AND THE COORDINATE SYSTEMS. 
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6 

c»,.c»„<.t,i-i-)n 
»mmt, 60».0 
 MTI 
 JCNH 

 UUIDE »NO YOUHC 

FIG. 5  DRAG COEFFiqENTS ACCORDING TO DIFFERENT 

METHODS FOR A WAKE WITH CONSTANT STATIC 

PRESSURE. 

1 



io-9 

1.04 

-ISX. 

Cp„ 

1.04 

D.M. 

0.96. 

0.9i . 

0.92- 

0.9C 

/ 
/ \ 

/ 

\      £l5I 

\ 
\ 

I 

•», -o 
Cp.^O.J 
QCD.O.I 

.k. 
0.2 0.4 0.6 

Cow, 
1.0 

FIG. 6   RATIOSOF DRAG COEFFICIENTS FOR AWAKE WITH 

CONSTANT STATIC PRESSURE. 
FIG. 8   COMPARISON OF THE TWO MODIFIED VERSIONS OF THE 

METHOD OF SQUIRE AND YOUNG FOR A WAKE WITH A 

NORMAL STATIC PRESSURE GRADIENT. 

M« .0   1 
Cpw .0.2 

6Cp .O.l| 

CP|w 
1.0 

FIG. 7  EFFECT OF MACH NUMBER ON RATIOS OF DRAG 

COEFFICIENTS FOR A WAKE WITH CONSTANT 

STATIC PRESSURE. 

FIG. 9  SHAPE FACTORS AS CALCULATED FROM DIFFERENT 

DEFINITIONS FOR A WAKE WITH A NORMAL STATIC 
PRESSURE'GRADIENT. 

. 



10-Al-l 

APPENDIX 

THE MOMEWTUM INTECEAL EQUATI'JK FOR  A BOUKDAFY LAYEfi WITH A NORMAL PRESSURE GRADIENT 

To derive the drag coefficient  according to the method of Squire and Young for a wake with a 
static pressure variation across the  survey plane,the momentum integral equation of the boundary  layer 
(and the wake)  has to he modified.  In this appendix two modifications will be briefly described.  The 
results are applied respectively in the sections 2.2 and 2.3. 

FIRST APPROACH; using conventional definitions of the boundary_layer _paranieters_. 

The viscous flow close to the trailing edge of an airfoil is relatively highly curved.  As a result, 
the static pressure normal to the airfoil surface varies across the boundary layer.  It is assumed that 
in this case the NAVIER-STOKES equation for a compressible turbulent  flow may be  simplified to 

du 9u dp      dT 
ox dy " "  3x       ay (A.l) 

vhsre the normal Reynolds stresses and the wall curvature are neglected as usual, but not the pressure 
variation across the viscous layer.  The x-axis and the y-axis are taken along and normal to the wall 
(or wake  centre  line,   see figure  l).  Equation  (A.l)  may be integrated with respect  to y from 0 tc  o 
for the boundary layer flow to  give 

o o oo 

/  pu |i dy + /    pv .g dy = -/ If ^ + /  dT 

0 0' 0 o 
(A.2) 

Using the continuity equation 

|j(pu)  +^ (pv) (A.3) 

and the boundary conditions u = ü for y = 0 and T= ü for y = 6 it  can be  shown  (Ref.   ll)  that equation 
(A.2)  can be written as 

o o 5 

d_ 
dx PU dy - ue 3£/p" -fiy l^-tv (A.4) 

where T   is the shear stress at the wall.  If the normal velocity component  is neglected then the 

pressure term becomes approximately 

6 6 6 

°£d    .l^ ö + d_ 
flx dx dx P-pJdy 

du 
 e 

P u    J— re e dx + to   /(f>-Pe)^ (A.5) 

. 

Substitution of equation (A.5)  into equation (A.4) and defining the momentum thickness 

S 

and the displacement thickness 

in the usual way, the result is 

J Peue 
0 

s 
cT ./(l - ^-)dy 

0 

P u "e e 

j            T ^ du d /        2„v „w      e ■r-lp u    6) + p u 6   -r— 
cbtire e    ' Ke e      dx dx J (l>-Pe)dy=tw 

Differentiating equation (A.8)  with subsequent  substitution of equation (A.7)  gives 

de + e_^e 
dx      p    dx 

e   due + ^df(2+H)-^ 
d_ 
dx, 

P-P. 

P u e e 

Tw 

P u e e 

where H - ö" / e. 

(A.6) 

(A.7) 

(A.8) 

(A. 9) 

Prom the isentropio flow relations it follows that at the outer edge  of the boundary layer 
(neglecting the normal velocity component as before) 

p     e u 
"e       e 

and equation (A.9) oan be reduced to a more usual form 

■ '>■ 

'• 
•i 
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(A. 10) /O-fii-X 

SECOND APPROACH; using modified definitions of the 'boundary layer parameters. 

Myring (Ref.  6)  has compared the actual flow with a hypothetical invisoid flow over a surface 
displaced over a distance $*'   from the wall.  It  is assumed that the static pressure in the hypothetical 
flow equals the static pressure of the actual flow.  Equation (A.4) then reduces for the hypothetical 
flow to 

s s s 

fe / piui2dy - ue it/piuidy - 7 If ^ 

If the mass flows in the two comparative flow fields are made equal, then 

s 8 8 
/p.u.dy - / 1 p^d.y . /   pudy 

S"' 0 

and the modified displacement thickness 0    should satisfy this equation. 

Equation  (A.4) may now be subtracted from equation (A.11) to give 

(A. 11) 

(A. 12) 

d_ 
dx 

Piui dy - / pu dy 

■?• 0 

If a modified momentum thickness is introduced 

If^t, (A.13) 

p.   u. 
1W   1W 

2, pu dy (A. 14) 

where p.   u.     is the value of p u    calculated from the  local wall static pressure p    and the free iw w r w 
stream total pressure p      . Equation (A. 13)  can then te written as 

f(p,  u2    1)-/ dx    iw iw / (A.15) 

Equation  (A.12) which defines 6* cannot be immediately integrated. To yield an explicit  expression for 
the modified displacgment thickness o* ,  Jfyring assumes a constant  static pressure equal to the wall 
pressure for 0 5 y* 0** .  This means for the considered region that p.   »p.     and u.   ■ u.   .  The modified 

, \        iw 1        iw 
displacement thickness &"   can now be simply derived from equation (A.12)  emd becomes 

o 

0** a    / (p.U.    - p.   U.      /   v^l   1 iw iw i 
pu)dy (A.16) 

For unknown reasons MjTing does not apply the introduced simplified assumption concerning the static 
pressure for 0«y4ö** to equations (A.14) and (A.15). However, there seems to be no doubt that this 
is correct  as a first approximation. Equation (A.15)   can then be written as 

d ,        2    S\      T- dPw 
dxvriw iw    ' dx (A.17) 

or 
du. 

S-(p. u^ 8) + p. u.     b^^-.x dxVKiw iw '      Kiw iw        dx -w 

A reduction similar to that in the first approach results in 

dx     u.    "SbT iw iw' 
P-  u. iw iw 

where H . 6**/ S 

(A. 18) 

(A.19) 

I'v 

If equations (A.19) and (A.IO) are compared it  can be concluded that the pressure term in the last 
equation has disappeared and that equation (A.19) represents the expression of the von Karman's integral 
equation in conventional form, however, with modified iDoundary layer parameters. For a 'boundary layer 
with a constant static pressure across the layer it  can easily be proven that the equations (A.IO) and 
(A.19) M'e identical and in agreement with the well known conventional equations (Ref.  ll). 

■    - 
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The expression (A.I4) for the modified momen-tum thickness osn be reduced using the introduced 
assumption of a constant static pressure between 0* y< oM. If use is made of equation (A. 16) it 
follows that 

■/p^(1-^^-/r^(1-^)dy 
/ 1W xw     xw    j   rxw xw     iw 
» 0 

For convenience, the modified displacement thickness equation (A.16) is written as 

^■A-Ä'*-/0 
3,   U. iw xw 

•)dy 

(A.20) 

(A.21) 

The second term of the righthand sides of equations (A.20) and (A.21) become zero if the static pressure 
u it follows 5 is constant across the boundary layer. Because in this case p. • p and u. 

m xw   e    xw 
e and 

i 

- 
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RESUME 

Aprfes avoir döcrit le caraotere instationnaire de certains decollements et les effets qui en resultent, on 
döfinit differents types d'ecoulement separ^s turbulents, localises, de caraotere permanent en moyenne, qui 
sont usuellement rencontres. 

Les effets attendus de oes decollements sur la trainee sont ezamin^s et les moyens de calcul disponibles 
brifevement exposes« Des ezemples tr^s divers oü cea decollements apparaissent sont ensuite analyses. 

SUMMARY 

DRAG AND SEPARATION 

After describing the unsteady character of some separated flows and their resulting effects we define 
different sorts of turbulent separated flows of a limited extend and quasi-steady character which are to be 
found usually. 

The expected effets of these separated flows on the drag are studied and the available theoretical methods 
of prediction are briefly described. Miscellaneous examples in which these separated flows appear are then 
analysed. 

NOTATIONS 

■:' :  \ 

G 
Cxc 

i 

k 
L 
H 

A 
n 

In 

7<«tt 

5 

coefficient de trainee Tralnöe  
(pression dynamique x Surface)r^f^reuce 

coefficient de portance 

coefficient de trainee de culot ; en general pour un ecoulemeat bidimensionnel 

coefficient de trainee de pression d'un arrifere-corps rapporte k la section au maltre couple 

quantite de mouvement injectöe au culot 

hauteur de deorochement 

enthalpie d'arrlt 

longueur 

nonbre de Mach 

pression statique 

pression d'arrftt de l'ecculement externe 

pression d'arrdt de l'eco'ilement interne 

pression dynamique 

debit injeote au oulot 

debit nwrlimim antralne par voie de melange 

nonbre da Reynolds 

entropie 
nonbre da Stpouhal      f^uenoe x Lonyieur da reference 

Vitesse de reference 

* Direoteur Adjoint da I'Aerodynamiquo 

. 

I 
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T 

V 

V 

X 

S 

s* 

e 
A 

e 
R 

J    '- 
c    I 

temperature 

module de la vitesse 

vecteur vitesae 

force de trainee 

öpaisseur de la couche liffllte 

dpalsseur de deplaoement 

epaiaaeur de quantity de mouvement 

effioacitö d'une prise d'air =    i?' entree moteur 

angle 

allongement 

masse spöcifique 
Constance dee gac      ]}_ ^ RJ 

f 
IHDICES 

coalitions de reference /'coulement uxiiforme amont 

conditions relatives au jet 

coniitions relatives au culot 

conditions d'arröt 

h. 

1. INTROKJCTION 

La nöcessite d'optimiser dans un large domaine de fonctionnement, des ensembles aerodynamiques 
complexes dans lesquels interrient notamment 1'integration du systeme propulsif, entralne la recherche de 
configurations utiliaöes souvent au voiainage de leurs performances maximales et pour lesquelles i'existence 
de zones decollees eat un phenomfene usuel. 

Par ailleurs et sous certaines coalitions, le decollement, loin d'etre une source de troubles plus 
ou molns graves, peut constltuer lorsqu'il est quasi stationnalre et n'interesse que des domaines localises 
dont on est en mesure de contrSler I'^tendue, une sorts d'autoadaptation des formes a des conditions 
d'utilisation variöes. Accepter la presence de zones decollees impose en contrepartie une oonnaissanoe aussi 
precise que possible de leurs effete. 

Nous nous proposons d1 examiner l'incidence du decollement sur le bilan de trainee, dans un nombre 
limite de cas qui nous paraisaent signiflcatlfs. L'interSt de cette demarche peut 8tre illustre de fa?on 
oarioaturale   par la figure 1 emprunt^e a Batchelor, oü sent präsentes cfite a cfite et a la m@me echelle 
deux obstacles cylindriques bidimensionnels de mSme trainee par unite d'envergure dans un ecoulement 
uniforme donnö {(RL = 2.105). 

Le coefficient de trainee du profil d'aile rapport^ ä la surface projetee sur la direction de la 
vitesse est Cx at 0,005. 

Celui du cylindre ciroulaire est de l'ordre de l'unitä ; le decollement etendu qui apparalt Cans 
oe cas est la cause essentielle d'une resistance de forme aussi elevöe. La disproportion evidente des 
tallies montre a quel point l'incidence du decollement sur le bilan de trainee peut dtre forte. 

L'analyse de ce problfeme comportera tout d'ubord I'examen des effets lies a la nature de la couche 
limite et plus ep^cialement a I'^chappement plus ou moins periodique de structures tourbillonnairea. 

Se limitant aux configurations de decollement a caractere quasi-permanent et a. nombre de Reynolds 
elev^, on decrira ensuite les differenta types de decollement usuellement rencontres, lea differences 
fomusentales existent entre zones decollees bidlmensionnelles et tridimensionnelles, et l'on examinera 
brifevement les consequences attendues sur le bilan de trainee. 

Apres avoir succinctement pass4 en revue les modeles de calcul utilises pour predire les effets 
du döcollement, un certain nombre d'examples seront analyses. 11s ont ete choisia de fa;on a couvrir une 
grande variety de problfemes d'application. 

2. CARACTERES SEMERAUX DES ZOMtiS DECOLIEES ; DI^EREHTS TiViS DE DECOLMENTS 

2.1 - Exemples du cylindre oirculaire 

Fermi les configurations qui aasocient etroitement trainee et decollement, celle du cylindre 
oirculaire place dans un ecoulement uniforme incompressible a fait 1'ob jet d'un nombre considerable de 
travaux thöoriquea et axperimentaux. [2 - 3]. A ce titre, eile se r^vele extr&uement riche d'enaeignements. 
L'analyse des r^sultata obtenus, faite notamment par Moricovin [3] et Roshko [4] permet de distinguer 
lorsque le nombre de Reynolds de 1'ecoulement varle, les regimes suivants (figure 2) : 

A trfes fälble nombre de Reynolds ((^<l), on observe un ecoulement parfaitement attache (a). 

I 
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Lorsque le nonbre de Reynolds augmente {l< (St< 30) vm döoollement laminaire organist sous forme 
de deux tourbillons symdtriques ae produit ; il pst suivi d'un sillage stable ä proiimitö du cylindre (b). 

L'apparition d'instability du type laminaire dans ce proche sillage (o ; 30<^< 90)t annonoe la 
formation lorsque 90 < ^ < 200 du regime bien connu des tourbillons altemes de Benard-Karman (d). 

La disorganisation de ces tourbillons se produit en aval du cylindre lorsque <^ < 200 et entralne 
la formation d'un sillage turbulent instable a structure fortement tridimensionnelle. 

Le decollement est toujours laminaire. 11 se fixe au voisinage d'une position reperee par un 
angle 0 oompris entre 80 et 85°. Ce regime est appelö regime subcritique   (e) ; 200 < Cftc < 105 

Le nombre de Reynolds continuant ä croltre (l05 <(^ < 3,5 lO^), la trar^ition laminnire-turbulent 
progresse vers I'amont, dans le proche sillage d'abord, dans la zone de decollement ensuite, pour se situer 
enfin en amont du point de decollement D. Ce dernier se deplace alors brutalement et se localise au voisina- 
ge du point   6s 110° a. l'aval du maltre couple. Le döplaoement de D entralne une reduction de l'epaisseur 
du sillage. L'Etablissement d'un decollement entierement turbulent definit le regime critique - post critique, 
caraot^risE par des effets d'instabilitös marquös en aval du decollement et par la disparition d'une frequen- 
ce pr^dominante d'eohappement tourbillonnaire (f). Lorsque (^ augmente au-dela de 3»5 10b,  les informations 
exp^rimentales deviennent plus rares ; il semble toutefois qu'iuie periodicity assez marquee dans la formation 
de structures tourbillonnaires evacuees   par le sillage reapparait ä grand Reynolds (regime transcritique). 

Cette transformation de l'^coulement autour du cylindre ae reflete dans 1'evolution 
du Cx moyen et de 1'inverse du nombre de Strouhal   -L   en fonction du nombre de Reynolds extraite de 
[3] (figure 3). •S 

La oourbe (Cj) presente pour des nombrea de Reynolds införieura h. 10 une forte decroissance qui 
decoule de la predominance des effeta visqueux. L'extension progressive des zones deoolleea entralne toute- 
foia une augnentation de la trainee de forme qui prend une part de plus en plus grande dans le bilan global 
de resistance. 

Dans la plage 10  <(?«<10 , correspondant au regime subcritiquoi  le Cx rests a peu pres constant. 

Le decollement laminaire est alors fixe en un point situe en amont du maltre couple ; la presaion 
de culot reduite est peu evolutive et la trainee de forme preponderante, ce qui explique le stationnement 
observe. 

La chute rapide du Cx qui se produit aux environs de    Qs 5.10   marque l'apparition du regime 
critique. Elle results d'une forte decroissance de la trainee de pression due au passage brutal d'un point 
de separation laminaire (0= 60-85°) ä un decollement turbulent situe a    6s\\Q0. 

L'augmentation Cj (<?,) qui se manifeste eiisuite se retrouve dans toutes les configurations de 
decollement turbulent au culot d'un obstacle. 

La oourbe ( -i- ) reproduit treo fidelenent les variations du Cx , mettant en evidonco une etroite 
correlation ontre cos deux   randeurs. 

Du point de vue theorique,  la prevision de ces differents phenomenes eat tres loin d'Ötre aoquise. 
Si dea solutions ont ete obtenues dans le oas des ecoulements a faible Reynolds [5]» et si d'autre Hart des 
tentatives ont ete consacreea a. la prevision du champ de pression induit par l'eohappement periodique de 
tourbillons [6-7]«  il n'en demeure pas moins que la plupart des phenomenes extrSmement complexes lies ä 
la formation de structures turbulentes plus cu moins organiseea sont actuellement tres mal connus et 
pratiquement incalculables. Pourtant,  1' echappement a tendance poriodique de tourbillons dans les sillages 
joue un role decisif sur le niveau de la trainee moyenne. Afin de reduire sinon supprimer cet effet, il est 
uauel de materialiaer,  tout ou partie du plan de aymetrie ä l'aval d'ur. obstacle bidimensicnnel obtua par 
une plaque plane, de fagon a. mini miser les interferences entre borda oupoaes du sillage. On constate que 
lorsque la lorEueurde la plaque est süffisante, la zone decollee turbulente, presente un caraotere quasi 
permanent, Dans ces conditions, les presaions moyennes de decollement etant beauooup plus 
eievees qu'en l'absence de plaque, le gain sur la resistance de forme   peut      8tre trea sensible, oomme le 
montre (figure 4)     Involution de la resistance du culot en ecoulemont subsonique [ö]. 

De ces divers ezemples, nous retiendrons essentiellement deux aspects concernant 1'action du 
decollement sur la trainee : 

- d'une part 1'influence determinante de la nature laminaire ou turbulente de la couche 11 mite et de la 
transition de l'un a. I'autre etat. Ces effets ne se font sentir qu'a des nombres de Reynolds faibles ou 
moderea, c'est pourquoi nous n1 examinerons leura consequences que dans un nombre tres limite de cas 
(decollementa de bord d'attaque)  ; 

- a'autro part, los effete fortement  pulsatoirera ot instationnaire-? attaches a certains types de dc'colleraent, 
qui doivent 6tre distincues des effeta propres a la turbulence et qui dans 1'etat actuel do nos oonn,ai3sances 
ne pouvent ötre correctenent prevus. 

//'3 

i.'ous n'aborderons ;)e.6 l'exnmen de ces decollciaents,  "vneraleir.ent ctondu^ 
de roraous turbulents qui se propagont par bouffees dans le silla.^e. 

Tovonnarrt la formation 

Les configurations decolleea que nous analyserons maintenant, correspondent a. un etat stationnaire 
de 1'ecoulement exterieur et oomportent une structure interne generalement turbulente dont 1'organisation 
presente un oaractere permanent en moyerme. 
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2.2 - Döcollanenta turbulents atationnaires aur des configuratlona de oaraot&re bidimensionnel 

2.2.1 - Propri^tea communeB 

De tela d^collements ae renoontrent aussi bien en ecoulement aubsonlqua qu'en auperaoniqua. Ils 
sont essentiellement oaracterises par la presence d'une structure tourbillonnaire complaxe qui se comports 
en moyenne oomme s'il exiatait un tourbillon principal asaurant la recirculation de 1'Ecoulement däcollä 
dans un domaine fermö. Cette schematisation ne t.ient pas compte d'effets aeoondalres His h la turbulence 
tela que;transferts de masse de part et d'autxo de lignesde courant moyennes, structure tridlmensionnelle 
de la turbulence, petits d^placements des points de separation et de recollement. L'exiatence de ces effete 
tridimensionnela a 6t4 mise en Evidence notajoment par Ginoux [9] et Roahko [l0] dans des Etudes de zones 
dEcollEes superaoniques et sur des configurations dont on pouvait diffioilemsnt auspeoter a priori la nature 
non bidimenaionnelle. C'est ainsi (figure 5) que dans le cas d'un corps axisymEtrique paeudo plan (distance 
ä l'aze tres grande devant l'echelle du deoollement) ou les effeta de limitation transversale sont absents, 
l'on observe ä l'aide de visualisations pariEtales de 1'Ecoulement de culot, une aErie de compartimenta 
rEguliferement eapaoes au voiainage du recollement. Un phenomfene analogue a EtE remarquE par J. Hirande [ll] 
lors de 1'Etude du recollement turbulent incompressible en aval d'une marchs deacendante de grand allongement 

\   (\ _  Dimension transversale ^ 20). 
hauteur de marche 

Sana negliger 1'importance de ces phenomfenes, il n'en demeure pas moins que lorsque X   est aaaez 
grand, la presence de telles singularitEa n'affecte pas sensiblement l'unifomltE transversale des pressions 
dans tout le domaine voisin de 00tte pseudo ligne de recollement. 

Les dlffErences existent entre zones decollees aubaoniquea et superaoniques bidimensionnellea 
interviennent davantage au niveau de 1'Ecoulement ezterieur que dans 1'organisation m&ne du domaine de 
recirculation. Toutefois, la contrainte dlrectionnelle plus sEvere imposEe par 1'ecoulement exterieur dans 
le cas supersonique peut contribuer ä assurer une plus grande stabilitE des configurations obtenuea, apEcia- 
lement au niveau des zones decollees susceptiblea de se former pres du bord de fuite d'un obstacle. 

Cans lea exemples que nous aliens commenter, nous ne distinguerons le Jas supersonique du cas 
subsonique que lorsque les circonstancoa l'exigeront. 

2.2.2 - DiffErents types de zones decollEea turbulentes atationnaires 

Lea exemples les plus courants aont präsentes figure 6. Ils appartiennent grosso modo a trois 
categories de configurations : 

a) cellea pour lesquellea lea points de dEcollement D et de recollement R sont pratiquement fixEs par une 
coalition gEomEtrique de paroi (discontinuitE de pente) ; c'est le caa de la cavitE rectangulaire Etroita ; 

b) cellea ou l'un des points D ou R etant impoaE, le second estlibre" ; c'est le cas des marches ou du culot; 

c) enfin, le troiaiime type est celui ou Iss points D et R sont "librea". 11 en eat ainsi pour des configura- 
tions teilte que dEcollement de bord d'attaque, dEcollement dans un coin, dEcollement provoquE par la 
reflexion d'un choc. 

T}ans le caa de 1'ecoulement de culot supersonique symEtrlque ou deux zones decollees stablea I et 
11 sont obtenuea (figure 7 a), les deux zones sont sEparees par une frontiers fluide M R. La structure de I 
ou II est tres voiaine de celle qui s'Etablirait si une plaque materielle tres mince remplagait la frontlbre 
M R et la prolongealt. 

^ 

Lorsque lea ecoulements de part et d'autre du culot sont diffErenta, la configuration rEalisEe, 
egaleir.ent atable peut 6tre schEmatiaEe de la manifere indlquEe figure 7 b [l2]. Deux zones tourbillonnaires de 
recirculation apparaisaent alorajdtecontribuent k 1*Etablissement d'un proceasus permanent d'echange turbu- 
lent entre lea deux Ecoulementa. Une ventilation naturelle de 1* Ecoulement du culot existe alors. 

Un autre caa important dans la pratique, specialement en ce qui conceme 1'Etude du profil d'aile 
placE en incidence dans un Ecoulement incompressible eat celui ou la transition laminaire turbulente ae 
produit au sein du dEcollement. La figure 6 presents la visualisation d'une teile configuration obtenue au 
tunnel hydrodynamique par Wer IE. Cette experience, effectuEe selon la technique du bord d'attaque aggrandi 
[13] montre de fajon frappante la naissance au coeur du courant de recirculation laminaire d'instabilitEs 
qui s'amplifient et a'Etendent transversalement de fagon tres brutale pour crEer la turbulence de la couohe 
limite extErieure et du domaine de recirculation voisin du recollement'. A 1'inverse, une forte attEnuation 
de la turbulence au voisinage de la paroi apparalt dans le courant de retour ei bien que la zone 
dEcollEe laminaire au voisinage du point de separation demeure preaervEe. 

Dans preaque toua lea cas examines, 1'Etablissement d'un domaine de recirculation fermE au 
niveau des lignes de courant moyennes eat une propriEtE spEcifique des decollements turbulents stables du 
type bidimensionnel. 

Lorsque 1'Ecoulement est tridimensionnel, les zones dEcollEes stables ne sont plus assujetties ä 
cette condition de fermeture. 
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2.3 - D^oollements tridlaensionnels statlonnaires 

Depuia 1950, (M. Roy, R. Legendre,    Maakell)[l4 - 15 - 16], la oaractörisatlon des öcoulements 
döcoll^s tridimensionnels a fait l'objet de nombreuaes recherchea} la visualisation au tunnel hydrodynamique 
de l'ONERA a jouö vm röle eaaentiel, dans la comprehension de oes phönomfenes [l7 - 18], 

Des nombreui cas traitös (ailes en flfeche, alles de faible allongement, corps elanoes etc ...) 
pour lesquels les atruoturea des eones d^collees sont extr&nenient complexes, on peut toutefois degager 
un certain nombre de reoarques g^n^rales. 

Tout d'abord, on observe l'existence de nappes de separation tourblllonnaires organisöes qui se 
dötachent de l'obstaole et s'enroulent autour de leur noyau. 

On note ensuite que la zone d^collee est souvent alimentee de fa;on permanente par le fluids 
ext&rieur, oe qui est contraire au processus de recirculation femö et implique n^cessairement l'echappe- 
ment du fluide ainsi introduit. 

En demier lieu, il apparalt que certaines de ces structures tourbillonnaires ont un caraotfere 
potentiel. 

Un exemple typique est celui de l'aile A  mince et elancee placöe en incidence dans un 
ecoulement uniforme (figure 9)* 

Une ^tude detaillee de 1'ecoulement effectu^e oonjointemeut au tunnel hydrodynamique et en 
soufflerie a permis d'obtenir une description     precise de 1'organisation du döcollement) oelle-cl est 
pratiquement la m&ae en   incompressi'blei t er ecoulerier.t tupersordciue L^C]  : 

- la nappe de courant IEEUS de l'intrados d^colle au bord d'attaquo puis s'enroule en comet pour consti- 
tuer l'ossature du tourbillon principal (Y)  ; 

- unn seconde nappe aboutit sur l'aile suivant la ligne de reoollement M et constitue la frontifere ext^rieu- 
re du domaine tourbillonnaire ; 

- les lignes de courant qui forment eette seconde nappe longent la paroi en (4) suivant des trajeotoires 
trfes d^vieespar rapport a. la direction de reference OX et däcollent en (5) pour former un tourbillon 
secondaire (ij moins intense que le premier et de sens oppose. 

Le fluide circulant entre ces deux nappes alimente les deux tourbillons qui constituent les 
elements essentiels de la zone deccUee ; le partage des debits relatifa ä chaoun d*entre eux s'effectue 
le long de N. 

Dans une teile organisation, les effets lies a la turbulence et la visoosite tiennsnt une 
place plus reduite qu'en ecoulement bidimensionnel. Toutefois, lorsque ces structures tourbillonnairea 
sont mises en presence de forts gradients de pression positifs, conme c'est le cas par exemple lorsque 
l'aile 4  est placee a tres forte incidence, elles peuvent eclater (figure 10), leur noyau qui est fonne 
d'un ecoulement a plus faible energie cinetique ne pouvant surmonter la recompression k laquelle il est 
soumis. 

II est bien evident qu'un decollement tridimensionnel ne presents pas dans tous les cas   une 
organisation aussi parfaite que celle de 1'exemple precedent. Cependant, il est le plus aouvent   oaracterise 
par la presence de structures tourbillonnaires et d'eooulements transversaux. Le cas de la marche 
d'envergure limitee est typique. Le dessin perspeotif de la figure 11 represent« lea resultats de 
visualisations faites par Werie. II met en evidence la eomplexite de 1'ecoulement,   et montre I'eehappement 
transversal tourbillonnaire du fluide provenant de la couche limite,       qui distingue oette configuration 
du cas bidimensionnel pur. 

3. EKAIffiN D^S aLEi-ibJlTS IHTKaVENAMT DAKo Ig BILAN Da HSSISTAHCE ;  INFUJEMCt: DU DiiCOmMtaiT 

3.1 - La decomposition de la resistance d'un obstacle portant aelon ]es trois modes classiques j 
- resistance ao forme ou de pression, 
- rüsiatance de frottement, 
- resistance ind'üte (specifique des corps tridimensionnels), 

pennet de distinguer les facteurs de production de la trainee. Dans le cas d'un ecoulement permanent, uni- 
forme a 1'infini amont, l'application du theoreme des quantites de mouvement ä travers la surface de 
contröle representee figure 12, lorsque I'on fait tendre S, C0, C, vers I'infini, conduit & la relation 
classique qui determine la trainee X ; 

(1) CX .   /  VK(7K.7,)dq 

Si I'on admet qu'en tout point de Ci ,1a condition      aLzJJ. 4i 1   est realises et que 1'ecoulement est 

isoenergetique (hj. ■ cte), le second nombre de la relation (l) peut s'exprimer en fonction de la variation 
d'entropie 4    par :      \/m.X  „ f T*. Ü. dif 
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Cette expression montre que la trainee d'un obstacle eat d^finie par les irreversibilites de toute 
nature au sein de l'äcoulement, qui se traduisent par une production d'entropie. En eoouloment subsonique, 
ces irreversibilites proviennent de Involution des couches limites le long des paroia, ainsi que de la 
dissipation    d'energie dans les zones decolleea et dans les sillagea.  Lorsque des ondes de choc se 
forment au sein de l'öcoulement, l'aocroissement d'entropie oorrespondant, eat a. l'origine de la trainee 
d'onde. Quand un döoollement se produit en supersonique, la deviation qu'il impoSvS k 1"Eoouloment 
erterieur angendre un Systeme d'ondes de choc obliques dont lea effets sur la trainee a'ajoutent a ceux 
qui proviennent de la viscosity et de la turbulence.  Pourtant un decollement ne conduit pas neoc^E^irement 
ä une augmentation de la trainee corarae va le montrer l'analyse de deux exemples typiques. 

ConsidErons tout d'abord un profil d'aile place a une incidence positive teile que le choc qui 
s'ötablit ä la pointe arriere de l'obstacle faaae decoller la couche limite d'extrados (figure 13). 

La configuration de fluide parfait  (figure 13 a) est remplac^e par une structure ulus complexe 
(figure 13 b) oorrespondant h. un dödoublement du choc de reoompression aval.  Le decoll.er.ient induit done 
sur la partie arilfere ä l'extrados une augmentation sensible des preasiona et entralne de oe fait une 
diminution de la trainee de forme et de frottement.  L'augnentation totale d'entropie ricultant des deux 
chocs est en effet plus faible que celle qui eat produite pour une mSme deviation totale par un ohoc unique 
plus intense. 

De la m&ie maniere, une r4duotion aenaible de la trainee d'un corps obtus peuk ?tre obtenue en 
ecouloment supersonique (M > 1,5) par la creation d'un decollement de bord d'attaque, au moyen d'une 
pointe emergente (figure 14) [20J. En l'absence de pointe, I'ecoulement oomporte une onde de choc 
d^taohee qui provoque une augnentation d'entropie importante (figure 14 a). La raise ne place d'une sonde dont 
la pointe est convenablement situöe en amont de l'obstacle (figure 14 b) modifie la structure de l'öcoulement. 

Oh decollement approximativeraent conique et quasi isobare ae produit au voisinage de la pointe, 
entralnant la fomation d'une nappe de choc Egalement conique. Une reduction tree sensible des pertea 
par choc et par auite de la trainee de 1'avant-corps est alors obtenue. 

3.2 - Cas dea ecoulementa tridimensionnels  ; trainee induite 

L1 apparition de decollements dans un ecoulement tridimensionnel entralne non seulement un effet de 
deplacement resultant de I'epaiESissement des couches dissipatives, mais encore la formation de structures 
tourbillonnaires organis^es qui interviennent notamment en aubaonique dans le soh&ia theorique d'evaluation 
de la trainee induite. Sn particulier, la connaissance des lignes d'echappement de ces tourbillons est un 
element essentiel de 1'application de ee sch&na [ 21 J dans lequel la nappe decollee est oonsidEr^e comme une 
surface de disoontinuitö s'ötendant jusqu'ä l'infini au sein de l'ecoulemeni.  iaentropique. 

4. KOD3LISAII0N DES ECOULH^EOTS DEC0LL3S TURBULSHTS 

A 

limites. 
Examinons bri^vement sur quels fondements les oalculs de d^oolloment s'appuient et quelles en sont les 

4 

4.1 - Problfemes bidimensionnels 

4.1.1 - Mdthodes bashes sur le concept de ligne limite 

Lee prineipes essentiels de ces m^thodes de caloul appliqu es aux öcoulements turbulents   supersoniques 
ont 6te döflnis par 1* analyse de H.H. Korst [22 ]. Celle-ci a 6te reprise par de nombreux auteurs [ | 
dans le but de rechercher une meilleure representation des facteurs d'influence aglssant sur le recollement. Le 
modfeie qui a send, de base k 1' etablissement de ces diverses theories est celui de la marche descendante 
plac4e dans un ecoulement supersonique uniforme (figure 15). 

Dans la formulation initiale, l'hypothfese de base etait que sur la ligne de courant ( •* ) aboutissant 
au point de recollement R, 1'Evolution dans la zone de reoompression II Etait iaentropique. 

La thEorie du melange turbulent (domaine l) permet de dEfinir ( -O et de connaltre l'Etat de 1'Ecoule- 
ment sur cette ligne au dEbut de II ; en identifiant la presaion d'arrfit iaentropique ^{-i) avec la presaion 
aval ■ft1 aprfes recollement (ill), H.H. Korst a Etabli un critere de recollement sous la forme «   Zi-S / {M,; 

Les tentatives auocesslves faltes pour amEliorer la theorie initiale, concemant essentlellement : 

- la prise en campte de fa?on simple de 1'effet de la couche limite en A [2J ], 

- 1'amElloratlon k partlr de donnees eipErimentales des hypotheses concemant le processus de recompression 
(Domalnes II et IH) [24.27] 
- 1* extension au cas des Ecoulements arlaymEtriques [ ^a -3o] 

En particulier, les recherohes poursulvies k l'ONERA dans oette voie ont permls d'Etablir une loi de 
recollement turbulent, basee sur le concept de crlt&re angulaire de recollement et applicable aux Ecoulements 
plans et de rEvolutlon [ ao]. 

Dans le cadre da ces mEthodes, la solution d'un problöme de dEcollement conslste & chercher par 
tfttonnement, un Ecoulement de fluide parfait isobare sur la frontiers de la zone dEcollfe, qui satisfalt 
aux lols de recollement turbulent retenues (saut de pression au raoollement ou dEviation angulaire). 

i 



k 

Cette technique se gönöralise au cas oü le point de decollement est a priori indetermine ; eile 
neoessite alors 1'utilisation d'un oritfere de däoollement turbulent. 

L'interSt de ces methodes reside dans leur simplicite alliee a. une eztrftae souplesse. Elles 
conduisent a. une bonne prise en campte de divers facteurs d*influence agissant sur le recollement et 
s'appliquent sans difficulty au cas des ^ooulements dissymetriques confluants de part et d'autre d'un 
oulot [22j 

Lorsque I'^ooulement est subsonique a la frentiere du decollement, un modele de calcul base sur 
1'analyse des ^changes turbulents ä la frontifere du domaine de recirculation a ete propose 
par Tanner pour des obstacles en forme de coin .32], 

Une representation tree sohömatique du sillage k l'infini du corps permet d'etablir ä l'aide d'un calcul 
de fluide parfait defini lorsque la preasion de culot est connue, une relation entre la trainee du culot 
et le d^bit maiimel entratnö par voie de melange *    Co       • / (C»£) 
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Une seconde relation    Cyw   sA CCtc)   est obtenue & partir de 1'etude du melange ; eile fait intervenir 

des coefficients empiriques ajustes sur 1'experience. 

Ces deux relations deternanent la presslon de culot. 

4.1.2 - Methodes du type couche limite 

Apres les travaux de Crocco et Lees en 1952 [•Mj et les ameliorations de la methode originale 
resultant surtout de 1'introduction de dormees empiriques mieux adaptees [34]  , des solutions nouvelles aux 
problfemes de decollement et recollement supersonique turbulent n'ont 6t6 proposees qu'assez recemment [ 3*]. 
Les applications actuellement connues conoement le calcul de la pression de culot et celui du decollement 
devant une rampe en oooulement bidimensionnel plan [■" ]. Les resultats obteraio donnent uno description 
qualitativement correcte de Involution des pressions, soit dans le plan de symötrie du culot, soit a. la paroi 
de la rampe. Parmi les ameliorations proposees, on retiendra essentiellement la prise en compto des effets 
des gradients de pression   noimaux [36-3JJ. Les voies de recherche recentes sont orientees vers une description 
plus precise de la structure de l'^coulement dissipatif [ Ao], 

En ecoulement subsonique de par la nature elliptique des equations regissant I'ecoulement exterieur non 
visqueuz, les methodes de calcul du type couche limite sont necessairement plus lourdes qu'en supersonique 
et se prStent de surcrolt aux mSmes objections. 

Malgre quelques difficultes numeriques, les resultats obtenus notamment par Green [bl] sont en 
assez bon accord avec 1'experience. 

Slgnalons egalement les travaux de Nash [42] concemant le profil d'aile tronque a incidence nulle, 
basös sur une analyse du developpement du sillage jusqu'a l'infini et ceux de N'Guyen Van Noi et Mrande 
relatifs au decrochements de paroi qui font intervenir notamment une loi empirique d'evolution du paramfetre 
de forme dans la region de recollement X43j. 

4.1»3 - Methodes de resolution complete 

Des tentatives en vue d'obtenir par differences finies des solutions des equations aux valeurs 
moyennea derivees de celles de Navier-Stokes ont ete effectuees dans quelques cas simples tels que decro- 
chements de paroi, par Spalding et ses collaborateurs notamment [44]. 

Ces methodes se heurtent encore ä des difficultes numeriques (stabilite, convergence des Schemas, 
duräe). De plus, les modeles de turbulence utilises sont generalement trop simplistes. 

Les progres qui peuvent ötre enregistres dans ce domaine dependent dans une large mesure d'une 
connaissance plus approfondie des phenomenes de transfert turbulent dana les zones deoollees et k leur 
voisinage. Les recherches experimentales entreprises par Bradshaw dans le cas du recollement subsonique 
constituent un premier pas dans cette voie [45j. 

4.2 - Pecollements tridimensionnels ' 

Btant donne la complexite de tels ecoulements,  la recherohe d'un "modfeie" n'a ete entreprise que 
dans un nombre trhs limite de cas pour lesquels le decollement oomporte une structure bien organisee oü les 
effets de la visoosite peuvent fitre negliges en premifere approximation. 

II en est ainsi pour l'aile  4 mince et trfes effiiee (figui-e 10). Un certain nombre de travaux 
theoriques inities par M. Hoy et R. Legendre ont ete oonsacres ä ce problfeme fff.^, 

Le modfele le plus eiabore est celui qui a ete propose par J.H.B. Smith [4f]. La nappe est schemati- 
see (figure W) par une couche tourblllonnaire mince pour sa partie exterieure,   et par un tourbillon isoie neir 
la partie representative du noyau. 

Cette nappe qui est confondue avec une surface de oourart,part du bord d'attaque oü la vitease doit 
8tre necessairement finie. 

La distribution des intensites tourbillonnaires dans la couche mince est detarminee par la condi- 
tion de continuite des pressions ä 3a traversee |la position du tourbillon isole est     obtenue en assurant 
l'equilibre du systfeme tourblllonnaire (somme des forces agissantes nulle). 
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//-? Les resultats foumis par ce modele sont assez bien verifies par 1'experience, aussi bien du point 
de vue des efforts globauz qu'en ce qui conceme la position du noyau. 

La generalisation de cette methode au cas du contoumement d'un bord arrondi est un probleme tres 
compleze mSme dans l'hypothese oü la structure de la zone d^oollee presente un caractere non visqueux 
pr^pondörant [2f ]. Le choii de la ligne de separation, definie h partir d'un oaloul 
de couche limite tridimensionnelle (figure f/) s*impose comme ligne de depart d'une nappe tourbillonnaire 
enroulee. En principe, la solution complete d'un tel probleme ne peut Stre obtenue que par un calcul couple 
de la couche limite et de I'eooulement exterieur. 

Des cas de figures beaucoup plus compliques se presentent 
de calcul actuelles 

ils sont hors de portöe des methodes 

Sans le cas oü I'aile etudiee est de plus grand allongement, les methodes appliquees 
dans la pratiqi» [^7] ne repr^sentent les effets d'un decollement tridimensionnel que d'une manifere 

assez grossiere. En particulier, 1* influence des nappes de tourbillon qui delimitent les zones decollöes 
n'est pas traitee, ce qui de l'aveu mSme des utilisateurs constitue une lacune inpor^ante. 

5. EXEHPLES HUTIQUES D'INFUJENCE DU DECOLLEMENT SUH LE BILAJJ-DE TRAINEE 

5.1 - Decollements de bord d'attaque 

Pour caract^riser les effets de ce type de decollement, nous retiandrons trcis exemples. 

ler exemple ; Decollements localises de bord d'attaque sur le profil d'aile en ecoulement incompressible 

Au cours de la reoompression qui suit le pic de survitesse apparaissant sur les profile d'ailes en 
incidence, la couche limite laminaire d^colle en g^n^ral conformement amc provisions th^oriques, et, 
suivant le nombre de Reynolds et l'incilsncj, il   e fnj-me soit une zone decollee tres etendue, soit un 
bulbe de decollement limite dent la strui. Lure varie selon les circonstances. Dans la plupart des cas, 
cette structure comporte comme le montre la figure 6, une partie laminaire voisine du decollement, suivie 
d'une zone de transition, le recollement s'effectuant en regime turbulent. On distingue cependant deux 
categories de bulbe [«fl-«] :les bulbes longs pour lesquels la reoompression qui se produit hors du 
recollement est lente et progressive, les bulbes courts qui conduisent k des recompressions tres brutales. 
En ce qui conceme 1'incidence de ce type de decollement sur la trainee du profil d'aile, on peut faire 
les remarques suivantes ; 

Dans le cas du bulbe court, la presence d'un aecollement n'altere que tres looalement la distribution 
des pressions sur le profil (figure 18).   Par suite, son action sur la trainee de forme est negligeable. 

Par centre, la prevision de la resistance de frottement qui comporte un calcul aussi exact que possible 
de la couche limite, doit necessairement faire intervenir une estimation precise des effets du bulbe 
sur l'evolution des epaisseurs caraoteristiques de deplacement et de quantite de mouvement. 

A titre d'exemple, la figure 19 montre deux cas de calcul. 

Le premier (a) est effectue en    fixant arbitrairement la transition au point de separation laminaire ; 
le second (b) tient compte de la presence du bulbe selon une methode recente developpee Ml L50J» 

On voit que le calcul b represente bien 1'experience et que des ecarts significatifs peuvent 8tre 
introduits par l'hypothese arbitraire de la transition en S,        qui conduit a sous-estimer la trainee 
de frottement. 

Dans le cas du bulbe lone, la repartition experimentale des pressions sur le profil est sensiblement 
differente de celle que foumit un calcul de fluide parfait (figuve 20). L'existence d'une teile 
-one decollee induit done une resistance de forme qui peut ttre appreciable (figure 21). De la m§me 

maniere que dans le cas du bulbe court, mais avec une importance accrue liee a I1extension longitudi- 
nale du bulbe, le calcul de la couche limite impose une caracterisation precise de la structure de la 
zone decollee, notamment de la transition et de Involution des epaisseurs caractoristiques dans ce 
domaine. Ce sont actuellement des problemes ouverts. 

2feme exemple : Decollements de bord d'attaque dans une prise d'air 

Le fonctionnement d'une prise d'air aux divers regimes qui lui sont imposes (decollage, croi^iere, montöe, 
attente etc.) met en jeu des variations notables de debit et par suite des conditions d'ecoulement au 
voisinage des levres d'entree extrSmement diflerentes selon les circonstances. 

Lorsque pour une Vitesse de vol subsonique, une reduction du regime moteur (figure 22 a) intervient, eile 
conduit ä une diminution du debit capte ; des survitesses apparaissent a 1'extrados de la carene et un 
decollement se produit ä la reoompression qui suit, de sorte que, du point de vue de la trainee exteme, 
ce cas s'apparente ä celui du profil, dans 1'example precedent. 

Au decollage, oü le debit preieve est important, figure 22 b, 'in phenomene analogue se produit dans 
I'ecoulement interne et provoque une perte d'efficacite du moteur et (figure 23)     une reduction de la 
pousaÄe. Cette situation peut 8tre aggravee   s'il existe un vent lateral notable. Dans le cas de la prise 
d'air d'un avion supersonique dont les Ifevres sont obligatoirement tres minces, 1'introduction de disposi- 
tifs auxiliaires de preifevement pennet de reduire ces effets defavorables. 
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Un deoollement de bord d'attaque peut ogalement se produlre en supersonlque lors de la mise en ddrapage 
d'une prise d'air de type bidimensionnel,  sur la paroi laterale de la prise  attaquee suivarit une incidence 
positive. Four illustrer cea considerations, nous donnerons deux ezemples t 

Le premier oonoeme le fonotionnement a ddbit r^duit d'une prise d'air ailsym^trique adapt^e k un regime 
de vol subsonique. La figure 23 donne la reduction d'effioaoit^ de la prise d'air au point fixe, en 
fonction du nombre de Mach moyen ¥1% de l'eooulement a 1'entree du moteur, due a la presence d'un deool- 
lement de bord d'attaque. Une amelioration de la forme des levres permet d'^liminer le deoollement et 
ses effete [si], 

Le seconl exemple extrait de [52] est relatif k une prise d'air plaoöe en derapage dans un ecoulement 
supersonlque (figure 24). 

Bans le cas examine, le flano mis en incidence positive se comporte k la manifere d'une alle  J   a bord 
d'attaque subsonique, oe qui conduit kla formation d'un tourbillon en comet (figure 9) et provoque une 
perturbation sensible de l'eooulement interne entralnant de la distorsion et une perte d'effioacite de 
l'ordre de A%. 

Pour eviter la formation de oe vortex, une eohanorure a ete pratiquee dans le flanc, 11 en results une 
reduction de I'lncldence locale du bord d'attaque par deviation vers I'exterieur d'une partle trka 
faible de l'eooulement capte (de l'ordre de 0,2^ du debit cotal). La perte d'effioacite reslduelle 
est alors de 1^, pour le mSme angle de derapage. 

3feffle exemple s Decollement cree par une pointe emergente 

Comme nous l'avons deja Signale (§ 3.2.2.), 1'organisation d'un deoollement au voisinage du bord d'attaque 
d'un corps obtus provoque en supersonlque une reduction de la trainee qui peut ötre  appreciable    lorsque 
I'lncldence est moderoe [2o]. La longueur d'emergence   L   de la pointe est un paramfetre essentiel qui agit 
sur le gain de resistance et sur la stabillte des deoollements obtenus. 

£n regime stable, la courbe CJi (L) evolue de la manifere sulvante (figure 2$)  t le Cx est pratlquement 
Inchange lorsque   L   est inferieur ä la distance de detachement du ohoo, II decrolt progressivement 
lorsque   L   augnente, passe par un minimum pour une longueur critique !<., puis orolt brutalement pour 
plafonner ensuite ä une valeur sensiblement constante. Cette remontee rapide correspond a un deplaoement 
du point de separation depuis la pointe ou son voisinage jusqu'a une position situee sur le corps de la 
sonde oü le deoollement devient rapidement turbulent. A partir de cette observation, Rom et alii ont 
etablis une methode de caloul de L0 blen reooupee par I'experience [jj]. 

Lorsque I'lncldence du corps augmente (figure 26), I'experience montre que la reduction du Cx 
s'amenuise et disparait aux incidences elevees ^0L=;150). 

Les regimes d'instabilites qui sont observes correspondent le plus souvent ä des longueurs d'emergence 
relatlvement faibles pour lesquelles des conditions de recollement statlonnaires en regime supersonlque 
ne peuvent Stre realisees. 

La prevision complete de ces phenomenes est actuellement hors de portee des methodes de caloul existentes. 

5.2 - Pecollements turbulenta de bord de fuite : pression de culot 

5.2.1 - La determination precise de la trainee de culot est un probl^me d'interSt pratique evident qui inter- 
vlent speclalement dans les recherohes d* optimisation. 

La trainee de culot represente en effet dans certains cas un element Important de la trainee totale 
qui peut attelndre 40^ pour un corps de revolution. Nous nous limiterons a 1'expose de quelques indications 
generales concemant les paramfetres d'influence qui agissent sur la trainee de culot et la precision aveo 
laquelle on peut en predire les effete. La maltrlse de ces problemes est tres differente selon que 1'ecoule- 
ment est subsonique ou supersonlque, c'est pourquol nous distinguerons ces deux cas. 

5.2.2 - Pression de oulot en ecoulement supersonlque 

L'etude theorlque et experimentale de l'eooulement bidimensionnel en aval d'une marche desoendante 
a permis de degager les principaux facteurs agissant sur la trainee de culot [23 ]. 

L'influence du nombre de Mach est tres importante comme le montre la figure   27, le Cx culot 
deoroissant fortement lorsque M«  augnente. Toutsfois, la dispersion des points figurant sur ce dlagramme 
qui n'est pas seulement le fait d'imperfections d'origine experimentale illustre parfaitement la neoessite 
de tenir oompte d'autres effete tels que : 

- l'etat de la couche limlte au point de decollement, caracterise par l'epaisseur de quantite de mouvement S, ; 

- le debit masse <7m et de quantite de mouvement   t  echange avec la zone decoliee par soufflage ou aspira- 
tion a faible Vitesse i 

- eventuellement la non uniformite de l'eooulement a I'exterieur de la Lone decoliee. 

Des exemples destines a illustrer 1'action de ces divers paramfetres sont presentee figures 
28 a 31. 

■   ; 

■ 

■    i 

**. 



11-10 

Un accroissement progressif de l'epaisseur it de la couche limite Initiale pour une hauteur n 
de oulot donn^e se traduit, quel que solt le nombre de Mach, par une d^orolssance d'abord rapide de la 
trainee de culot,  s'attönuant tres vite lorsque Sz augmente pour tendre vers une valeur quasi constants 
dans une large plage de variations de -SL 

L'injeotion de masse dans la zone deooll^e, conduit h. une Evolution analogue de la 
trainee de culot, la pente <!£i   etant particuliörement ijnportante aux faibles taux de soufflage Q 

L1 identity de oes deux effets pour de faibles valeurs de   Sx , qn , i  B. etö dämontrde par 
P. Carrifere [zs], 

Sur ces mSmes figures ont ete portös les resultats de diff^rentes mäthodes de calcul bashes soit 
sur le concept de ligne limite (l), soit sur une technique integrale du type couche limite (ll). On constate 
que ces previsions sont en general proches de 1'expedience et il est normal que Xes premieres (l),  faisant 
plus largement appel h des donnees empiriques, conduisent a un meilleur r^sultat d1 ensemble. 

Lorsque les öcoulements de part et d'autre du oulot sont fortement dissymötriques, il s'etablit 
comme nous 1'avons vu preoAiamment (§ 2.2.2) une ventilation naturelle du domainc de confluence (figure 7b), 
le niveau des ^changes etant fix4 par les conditions de conservation de la masse et de l'energie dans ce 
domains. 

Une teile situation se rencontre en partioulier dans les problfemea de propulsion, lorsque I'on 
Studie la confluence d'ecoulements internes et externes. [W] 

La variation de la pression de culot pour differents regimes de fonctionnement d'un 
^jeoteur bidimenaionnel est repr^sentee figure 32 , Cette Evolution est trfes oaraot^ristique et se retrouve 
dans de nombreux problemes de confluence. 

La resistance du oulot decrott d'abord dans le domaine des trfes faibles debits (l), puis augmente 
rapidement pendant la phase d'amorgage de la tuyere (il). On assiste ensuite a une decroissanoe reguliere 
de la trainee de oulot,  lorsque la confluence des ^coulements etant supersonique,  le taux de detente du 
flux interne auynente. Le passage du domaine II au domaine III peut 8tre disoontinu et instable. 

Le calcul base sur la notion de ligne limite demeure dans l'^tat actuel des choses le moyen le 
plus commode et vraisemblablement le plus sür pour traitor cette categorie de probl&mes. Sur cet exemple, 
il permet d'obtenir une bonne provision des differents regimes d'eooulement et foumit des valeurs num^ri- 
ques proches de 1'experience. 

Les dii'ficultes de calcul les plus grands se situent au niveau de la representation du domaine II 
(phase d'amorgage). 

Dans le cas des äcoulements axisvmetriaues. la resistance de culot est soumise aux m6mes facteurs 
d'influence qu'en öcoulement plan.  Toutefois, la non uniformity de l'dcoulement ä l'ext&rieur de la zone 
decollee qui est une propriety specifique de ce type d'eooulement joue dans ce cas un rdle preponderant, 
de m8me que les modifications apportees a 1'evolution des couches de melange par l'effet de revolution. 

Ces effets sont specialement importants dans le cas d'un corps tronque  ; ä egalitd de nombre de 
i'iach, la trainee de culot est alors plus faible que celle d'une configuration plane equivalents comme le 
montre la figure 33 

L'extension aux eooulements axisym^triques des methodes de calcul bidimensionnelleebasees sur le 
concept de ligne limite a et^ proposee par divers auteurs l*5^. 

Les resultats obtenus conduisent ä un recoupement assez satisfaisant avec 1'experience, aussi bien 
dans le cas du culot sans Jet (figure 34) que dans le cas de la confluence supersonique (figure 35 ) En 
partioulier, les effets favorables sur la trainee de oulot d'un rötreint (figure3*b) ou d'un soufflage a faible 
Vitesse sont correctement   prevus (fairt3S). 

Les prinoipales limitations auxquelles se heurtent le    möthodes de calcul que nous vsnons d'evoqusr 
concement des configurations pour lesquelles ; 

- l'dpaiaseur de la couche limite initiale est tres grande devant la longueur de la zone decollee ; 

- des effets d'incidence ou de geomi'trie de 1'obstacle entrainent une organisation tridimensionnelle 
du deoolloment  ; 

- une perturbation iranortante »t lo-?eliB<5e (onde de choc notamment) se produit en aval du reoollement 
et a son voisinage L 55 J« 
5.2.5 - Pression de oulot en öeoulement subsonique et transsonique 

Nous avons vu (^ l) que la trainee de oulot d'un corps tronqu6 en eooulement subsonique depend 
fortement de la stabilite du proohe sillage comme le montrent les exemples bidimensionnels des figures 4 
et 36 

äelon que 1'eooulement dans ce domaine est quasi permanent (recollement sur paroi) ou fortement 
instationnaire (confluence), le C^ varie du simple au double. Cet eoart s'amenuise dans le domaine trans- 
sonique (figure 4 b) et disparait pratiquement  lorsque le recollement est sucersoniaue ce aui oorresnond i un 
nombre de Kaoh ot I'infini legerement superieur k 1'unite ;    1'ecoulement dans la zone decollee est alors 
stable et exempt d' oscillations a frequence faible ou moderne quelle que soit la configuration. 

■ 



La figure 4 b fournit egalement une illustration de 1" influence du nombre de Mach sur la resistance 
de culot. Get effet est peu important tant que le nombre de Mach critique n'est pas atteint. Par centre,  en 
regime transsonique, une augmentation sensible de Cx   apparalt,  specialement dans le cas du reoollement sur 
paroi, une valeur maximale etant atteinte pour hm voisin de un. 

Pour un nombre de tlach fixe, la resistance de culot est par ailleurs soumise aux mSmes facteurs 
d'influenoe qu'en supersonique. 

La figure 37  fournit un exemple de l'effet de la couche limite initiale, qui, coimie prevu, provoque 
une diminution de la resistance de culot, particuliferement significative lorsque la hauteur   h   du decrcohe- 
ment est petite devant l'epaisseur de cette couche limite. 

La non uniformity de l'ecoulement k l'exterieur de la zone decollee,  creee notamment par la forme 
de 1'obstacle joue un r81e tres important BUT le niveau de la pression de culot, d'une maniere differente de 
oelle qui est observee en supersonique, de par la nature des equations qui regissent l'ecoulement non vis- 
queux. 

Le cas traitä figure 30 est ä ce propos instructif. II conceme la trainee de culot d'une marche 
bidimensionnelle de hauteur variable, disposee dans un canal ä section oonstante en amont du deoroohement 
de paroi. La couche limite initiale   est    la ■aSrae Poul' toutes les configurations etudieea, La decroissance 
de la trainee de culot enregistree, lorsque A. augmente, resulte de la modification du champ  provoquee par 
l'clarglssement du canal en aval de la marche.  Cette dücroissance est plus faible (Jue oelle qui serait 
obtenue si la couche limite initiale etalt d'epaisi-eur negligeable. Une m&ne configuration abordee par un 
ecoulement supersonique uniforme de nombre de Mach suffisanment eleve ferait apparaltre une resistance de 
culot sensiblement constante danc le domaine des valeurs   ^-   experinentees, l'ecoulement restant alors 
uniforme ä la frontiere du deoollement. 

Les effeta dOs k la non unifonnite du champ sont tres accuses pour des fomes d'obstacle peu 
elancees. 

C'est la ces par exemple de profil- en forme de coin (36) pour lesquels une forte croissance 
de la resistance de culot est enregistree lorsque 1'angle d'Ouvertüre   <f   du diedre de bord d'attaqua 
au^aente. 

Les mithodes de oalcul de la presaion de culot en subsonique  (§ 4) n'ont ete etablies que pour un 
decollemont bidimensionnel,    qi.wsi permanent et incompressible ou faible: ent compressible, Giles s'appliquent 
soit ä des profils tronques symetriques [^<"**J, seit h. des obstacles en fonne de diedre ou de marche [3i ]. 
Les reooupements aveo 1'experience sont satisfaisants comme le montrent les figures 36 - 37 - 38. Dans le 
donaine transsonique, il n'existe pas encore, h. notve connaissance, de methode fiable, en raison des 
difficultes qui apparai^sent ausni bien dans le oalcul de l'ecoulement exterieur non visqueux, que dans la 
prise en compte des effets d"interactions entre ondes de choc et zones decollees. 

Dans le cas des eooulements axisymetriques, 1'evolution des phenomenes est qualitativement la mfime 
que celle qui est enregistree en ecoulement plan, par centre la resistance de culot est en general plus 
faible. Les methodes de calcul sont pratiquement inexistantes ä l'heure actuelle  ; on ne dispose done que de 
correlation du type de celles qui ont ete proposees par Hoemer [2J. 

5.3 - Decollements provoques pa* l'interaction couche limite turbulente — onde de choo 

5.3*1 - Quelques exemples typiques ou le phenomene d'interaction entre une onde de choc intense et une couche 
limite turbulente provoque un deoollement sont presentee figure 39* Ils concement les applications suivantes: 

- braquage d'une gouveme au-delä de 1'angle critique de deoollement naissant (39 a)   ( 

- reflexion d'un ohoc sur la paroi d'une prise d'air (39 b), 

- tuyfere surd^tendue (39 o)   > 

- confluence des Eooulements interne et externe au bord de fuite d'un arrifere-corps (39 d) , 

- profil d'aile en Ecoulement transsonique(39 e). 

Nous nous bomerons ä examiner les deux demiers exemples qui nous paraissent les plus significatifa, 
du point de vue de l'incidence du deoollement sur le bilan de tralnöa, 

5,3,2 - Confluence de deux ecoulementa au bord de fuite d'un arrifere-corpa de propulseur 

Dans le cas d'un arriere-corps ä bord de fuite mince B, lorsque la pression en sortie de tuyfere est 
nettement plus Elevöe que celle de l'ecoulement exterieur, l'ecoulement Interne se dEtend fortement. Si 
l'onde de choc orEEe par cette deviation brusque du Jet en B eat suffisamment intense, un deoollement de 
l'ecoulement externe ae produit dont l'origine se sltue sur 1'arriere-corps en amont de B. La presence de 
compressions importantes sur le retreint de 1'arriere-corps en aval du point de separation est extrSmement 
favorable du point de vue de la trainee externe, le gain ainsi obtenu pouvant compenser une partie des pertes 
qu'entralne la non adaptation de la tuyfere. L'ezemple präsente figure 40 conceme un arriere-corps de revo- 
lution a meridienne ciroulaire comportant une tuyfere axiale sonlque. Les essais ont Ete effectuEs ä M = 1,63. 



A 
ksrsque le tauz de detente  -~L   du Jet augnente, les repartitions de pression mesuri. .J sur 

I'arrifere-oorps (figure 40 a) indiquent clalrement le d^plaoement vere I'amont d'un deoollement qui provoque 
une recompression importante. Les repercussions de ce deoollement sur 1'evolution du coefficient de trainee 
de pression Cj. de l'arrifere-corps sont donnees figure 40 b j le Cx ddcrolt oontinüment lorsque   f'i. 

Hi' ^" augmente et s'annule pour   I t ~ 35 
A» 

Le caloul de telles configurations peut 8tre effectue en utilisant notamment la methode decrite 
r4f. [5/]. 

5,5,3 - Moollements provoguea par 1'interaotlon oouche llmlte turbulente - onde de choc en transsonique 

Ces ph^nomfenes ont 6t6 etudiös d'une fa;on systematique par Pearcey qui en a d^gage les 
oaractferes essentials [&]. Son analyse met en evidence deux types d'interaction representes schematiquement 
figure 41» 

Dans ce oas (B) le couplage qui s'^tabllt entre les deux zones d^collees entralne des modifications 
significativea, lorsque 1*Incidence ou le nombre de Mach variant legerement, interessant l'etendue du 
d^collement, de la pression au bord de fuite et par suite de la position de l'onde de choc. 

Wn^ralament la presence d'un deoollement important se manisfeste d'abord par une reduction de la 
recompression en aval du choc, d'autant plus sensible que le decollement est plus etendu, ensuite par une 
position de choc moins reculäe (figure 42). 

La trainee de forme du prof 11 est done liöe a 1* Importance relative de ces deux effets. 

L'Influence du decollement sera en particulier plus grande dans le type (B) que dans le type (A), 
du f ait du couplage. Le caloul de ces phänomfenes est actuellement a peine abord^ [ 62]. 11 met en jeu la 
solution simultan^e de problfemes dont la mattrise commence seulement a 6tre acquise pour l'öooulement 
transsonlque non visqusux.   II n'en est pas de mSme de 1'interaction couche limite onde de choc, ni des 
couches limit es turbulentes avec bulbe de recirculatlon, en presence de gradients de pression longitudinaux 
et transversaux importants, ni de la formation du proche sillage, etc.... 

5.4 - Controle du decollement 

Les moyens mis en oeuvre pour eviter ou reduire les effets du decollement (aspiration, soufflags 
a grande Vitesse, utilisation de gen^rateurs de tourbillons)ont fait l'objet de nombreuses publications 
d4talliees [o^.Disont generalement inspires du soud de oröer des effets hypersustentateurs ou encore, 
dans le oas du vol transsonlque d'attenuer des troubles de portance ou de stabilite. L'effet de ces dispo- 
sltlfs sur la trainee est souvent oonsidere comme secondaire. Cans le cas toutefois des generateurs de 
tourblllon leur resistance parasite penalise la trainee de 1'alle dans tout le domains de vol, e'est pour- 
quoi ce prooede ne peut 8tre oonsidere que comme un remede. 

Paml les applications moins classiques interessant directement le bilan propulsif, signalona le 
controle des couches limites par aspiration dans les prises d'air qui constltue un moyen extr&nement 
efficient d'obtenlr une effioaclte optimale du moteur. Toutefois, Injection malenoontreuse de ce debit 
dans I'ecoulement exterleur peut provoquer un accroissement de trainee. 

Un moyen, moins oonnu mais tres efficace de reduction de la trainee par contrSle du decollement, 
oonsiste dans la cas des eooulsments de oulot, a utiliser l'effet favorable de I'lnjection de masse ä 
fälble Vitesse. Ce contröle, comme les precedents, dolt s'lntegrer dans une recherche d'optimisation de 
eystfemes propulsifs , Uexemple sulvant extralt d'une etude de Addy (figure   43 ) en montre I'interSt. 11 
conceme un arrifere-oorps cylindrique place dans un ecoulement supersonique de nombre de Mach M« egal k 2, 
La reduction de la trainee externe est obtenue en assooiant les effets d'un retreint tronconique d'ouverture 

&  k ceux de I'injeotion au culot d'un debit ^m  prelevö sur l'aliaentation de la tuyere propulsive dont 
le nombre de Mach de sortie est egal a 2,5 et le taux de detente   -iÜ.    a 3. 

^« 
L'eoart sur le coefficient de poussee nette de l'arriere-corps par rapport a  la configuration 

de reference (0 = 0,  ^n •= 0) est porte figure 43 en fonotion de 1'angle & du retreint pour differents 
taux de ventilation du culot, Dans ce caloul, 11 a ete tenu compte de la perte de poussee consecutive au 
preievement du debit de soufflage. Un gain Important {6% de la poussee globale) est obtenu pour un angle de 
retreint de l'ordre de 6° et un taux de soufflage rapporte au debit de la tuyfere -7-= 0,005. 

Get example montre le benefice que 1'on peut tirer d'un moyen de controls simple et met egalement 
en evidence les services que peut rendre 1*utilisation de methods de oalcul du decollement dans leeproblfemes 
d'optimisation. 

6 - CONCLUSION 

Cette revue dee problfemes oü le decollement peut Jouer un rOle important dans le bilan de trainee, 
si «lie est tres incomplete, a toutefois permis de montrer la limite aotuelle de nos connaissances de 

base ainsi que dee moyens de prevision du deoollement et de sea effets sur la trainee. 

Dana les problbmes d'ecoulements bidimenslonnels (plans ou de revolution), des methodes pratique- 
ment assez satisfaisantes sont disponibles en supersonique, 11 n'en est pas de mSme en subsonique et 
transsonlque. 

m 

D'une manlire generale, la prediction des zones decoliees trldlmensionnelles n'est possible que 

/ 
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dans un nombre trfes räduit de cas simples, lorsque lo phönoaAne se traduit par la formation d'une nappe      / /-/ ^s 
tourbillonnaire organis^e issue d'une ligne do ddcollement oonraje a priori ; sinon un oalcul couple de 
1'^coulement exterieur non visqueui Q)et de la oouche limite @ est n^cessaire, le ddoollement ainai 
pr^vu par @» fixant l'origine de la nappe dont 1'enroulement doit 8tre necessairement introduit dans (ji 
mals 11 est actuellement hors de portde. 

En definitive, les problemes lea plus laportants ä resoudre pour marquer un progrfes dans ce 
domaine sont les suivants t 

- Prevision des effets de l'interaction couche limite turbulente - onde de choc et traitement de la 
confluence en eooulement transsonique bidimensionnelj 

- Caracterisation et calcul des deoollements tridlmensionnels t 

- Prise en compte des effets instationnaires dans des ecoulements decoll^s. 
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Fig. 1 - Corps de mfime trainee totale a, m&ae 

Vitesse (Vo0L a 2.105) (Batohelor [l]) 

Fig. 2 - Regimes d'äooulements incompressibles 
autour du oylindre ciroxilaire 
(Morkovin [3]) 
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Fig. 3 - Evolution du coefficient de trainee et 
du nombre de strouhal en fonction du du nombre de strouhal en t onction du / .        , , 
nanbre de HeynoldB (Morkovin [3]) 11" ///' 

Klg. 4 - Trainee de oulot en subsonique. 
Influence des conditions de recollement 
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Fig« 5 - Visualisation parietale du recollement 
en aval d'une marohe (Roshko [lo]) 

Fig. 6 - Differents types de decollement 
turbulent 

Fig. 7 a - Ecoulement de culot stable 
(cas bidimensioimel symetrique) 

Fig. 7b- Ecoulement de culot stable 
(cas bidimensioimel dissymetrique) 

Fig. 8 - Bulbe de decollement aveo transition 
dans la zone däcolläe 

Fig. 10 - Eclatement de tourbillon sur une 
alle A B. forte incidence 
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Pig. 11 - Eooulement incompressible autour 
d'une marohe d'envergure lioitöe 

Fig. 9 - Scoulement autour d'une alle A minoe 
et elanoee en incidence 

W. 

A. Fluid» porfoit 

W. 

Fig. 12 - Trainee d'un obstacle t surface de 
contrfile 

B . Fluid» vliqu»ux   (couch» limil* turbul»nl» ) 

Fig.  13 - Ecoulement supersonique autour d'un 
profil en incidence 
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Fig. 14 - Decollement sur pointe omergente Fig. 15 - Ecoulement supersonique en aval d'une 
marohe descendante 
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Fig. 16 - Tourbillon en comet. Soh&natisation 
de J.H.B. Smith 

Pig. 17 - Contournament d'un bord arrondi. 
Coupe transversale de l'dcoulement 

I. 
u. 
3 

\    \     _nttribu«cn*yll««» lonibulb» 

2fi 
V 

■ Fwoolwfntnf 

2 

^-^^_   1 
0,025 qO» 0075 0,100 

Pig. 18 - Distribution des vitesses au bord 
d'attaque d'un profll en incidence. 
Effet d'un bulbe court 

Fig. 19 - Influence d'un bulbe court sur 
Involution de la couohe 11mlte aval 

Fig. 20 - Distribution des pressions sur un 
obstacle. Effet d'un bulbe long 

Fig. 21 - Effet d'un bulbe long sur la trainee 
d'un profll 
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fig. 22 - Prise d'air subsonique. Diffdrenta 
regimes de fonotionnement 

Fig. 23 - Influence d'un döcollement de bord 
d'attaque sur l'efficaoitä d'une prise 
d'air au point fixe 
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Fig. 24 - dffet d'un dtaollement de bord 
d'attaque sur i'efficacit^ d'une prise 
d'air supersonique a M = 2 
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Fig. 26 - evolution avec 1'incidence de la 
trainee d'un corps ogivo-oylindrique 
k M = 2,25 [53] 

Fig. 25 - Evolution schematique de la trainee 
d'un corps arrondi en fonction de la 
longueur d'Emergence de la pointe 
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Fig. 27 - Trainee de culots bidimensionnela. 
Evolution avec le nombre de l-iach 
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fig. 26 - Effet de la couche limite initiale 
sur la trainee de culot ä K     E 1,5« 
Comparaison th^orie-experienoe en 
ecoulement plan 

Jig. 29 - Effet de la couche limite initiale 
sur la trainee de culot & li     = 2. 
Comparaison theorie-experienoe en 
ecoulement plan 

Fig. 30 - Effet de la oouohe limite initiale aur 
la trainee da culot a H     a 3. 
Comparaison theorie-experienoe en 
ecoulement plan 
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Jig. 31 - Effet du soufflage sur la trainee de 
oulot en Ecoulement plan ä difförenta 
nofflbres de Mach 
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d'aprfes Kbret [54J 

Fig« 33 - Trainee de oulot de corps de revolution. 
Influence du nombre de Mach. 
Comparaison avec le cas bidimensionnel 
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Fig. 35 - Confluence d'ecoulements internes et 
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supersonique 
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NEW INVESTIGATIONS FOR REDUCING THE BASE DRAG 

OF WINGS WITH A BLUNT TRAILING EDGE iH 
Dr. Mauri Tanner 

Deutsche Forschungs- und Versuchsanstalt 
für Luft- und Raumfahrt E. V. 

Aerodynamische Versuchsanstalt Göttingen 

SUMMARY 

In order to improve existing methods for reducing base drag of wings with a blunt trailing edge,  such as 
e. g. the broken trailing edge introduced by the present author some years ago, measurements were per- 
formed on a rectangular wing in the Low Speed Wind Tunnel of the DFVLR-AVA in Göttingen. For these 
investigations the wing was fitted with broken trailing edges,  splitter plates and splitter wedges.  The 
Mach number was M     = 0. 15 

oo 
and the Reynolds number    R     =2-10 

The results from tests using broken trailing edges show that the base drag could still be decreased by 
13 per cent, as compared with the best broken  trailing  edge  used in previous measurements. For 
the improved broken trailing edge the base pressure coefficient has a value of    c _ = - 0. 16 , as com- 
pared with the value    c 

pB 
0. 44 , for a straight blunt edge. 

pB 

A still smaller base drag could be obtained by a straight blunt trailing edge, to which a long thick splitter 
plate was attached. For the best splitter plate the base pressure coefficient had a value of    c pB = - 0. 11 

The smallest drag, however,  was obtained by fitting a splitter wedge on the trailing edge.  For the most 
advantageous splitter wedge the base drag was nearly zero. In this case the maximum lift to drag ratio 
for the wing with a blunt trailing edge was as great as that for the corresponding wing with a conventional 
sharp trailing edge. 

b wing span L 

s half-span of the wing D 

c wing chord CD 
d maximum profile thickness CDB 
h trailing edge thickness CDo 
F wing area CDP 
FB base area 

I length of splitter plate or splitter CPB 

hl 

wedge 

thickness of splitter plate; 
maximum thickness of splitter 

^pB^ff 

wedge CpE 

ß boat tail angle (Fig. 4) 
M 

V b2' a' 7 dimensions of the broken trail- 
ing edge (Fig. 7) 

angle of incidence 

oo 

oo 

lift 

drag 

drag coefficient 

base drag coefficient 

drag coefficient at zero lift 

coefficient of profile drag at zero 
lift 

base pressure coefficient 

effective base pressure coeffi- 
cient (Eq. (1)) 

pressure coefficient acting on 
the end of the splitter plate 

free stream Mach number 

Reynolds number based on wing 
chord and free stream conditions 

1. INTRODUCTION 

As has been pointed out by various authors [1], [2], [3], wing profiles with a blunt trailing edge may have 
many advantages in high speed flow in comparison with conventional profiles with a sharp trailing edge. 
The high base drag of such profiles is a great penalty, however, and therefore methods for reducing base 
drag have been the object of numerous investigations (see e. g. [4], [5], [6]). 

Fig.  1 shows the effectiviness of various devices for reducing the base drag in subsonic two-dimensional 
flow. With a short splitter plate of a length equal to the base thickness,  approximately, a base drag re- 
duction of the order of 50 per cent of that for a straight blunt trailing edge can be achieved. Trailing 
edge slots are still more effective, especially at high subsonic speeds, where the base drag can be re- 
duced by 60 per cent as shown by the measurements of J. F. Nash et al and J. Osborne  and H. H. 
Pearcey   [6].  The greatest base drag reduction - about 64 per cent - obviously is obtained by using a 
"broken" trailing edge as introduced by the present author [7], (8). It may be remarked that the results 
of M. Tanner  [7], [8] have been obtained by measurements on a wing with finite span, i.e. in three- 
dimensional flow, whereas the measurements of the other authors, as previously stated, have been per- 
formed at two-dimensional test conditions. 
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l^-x 
«cc 

Splitter 
Plate 

Ventilated 

Cavity (Slots) 

Broken Trailind 

Edge            J 

Bearman lUl 0.1 50% 

Tanner [81 0.1 6C% 

Nash et al[6] 
o.u 52% 52% 

08 U% 60% 

Osborne and 
Pearcey  161 

O.i, 5i% 

0.8 60% 

Nash et al [61 
O.C 51% 

0.8 1,8% 

Fig.   1     Comparison of effectiveness of various 
devices for decreasing base drag at sub- 
sonic speeds 

In order to investigate the characteristics of airfoils 
with blunt broken trailing edges at transonic and 
supersonic Mach numbers,   measurements in 1969 
were performed in the Transonic Wind Tunnel of the 
Aerodynamische Versuchsanstalt in Göttingen,  In the 
next section a short summary of the results from 
these measurements [9],  [10] is presented. 

2,   RESULTS FROM PREVIOUS INVESTIGATIONS AT 
TRANSONIC AND SUPERSONIC MACH NUMBERS 

The measurements were carried out on two wings 
which are shown in Fig. 2 and 3. One of the wings 

2) had a conventional sharp trailing edge. (Fig.   
whereas the other had a blunt trailing edge,  either 
straight or broken (Fig.   3).   The profiles of both 
wings had the same moment of inertia about the chord 
line, i. e.  they had the same strength, approximately 
[9],  [101, 

In Fig.   4 one can see the drag coefficient at zero lift 
in dependence of the Mach number for three different 

A 

Fig, 2  Wing I with a sharp trailing edge Fig. 3  Wing II with a blunt broken trailing edge 

blunt trailing edges of equal thickness    (h/d = 0. 75) .  For com- 
parison the drag coefficient of the wing with a sharp trailing edge 
is also shown in the Figure.  The drag reduction attained with the 
best broken trailing edge, compared with the drag of the straight 
blunt trailing edge of equal thickness,  is quite remarkable. At 
trarisonic Mach numbers the drag with the best blunt trailing 
edge is only about 14 per cent higher than that for the wing with 
a conventional sharp trailing edge. 

Further measurements have shown that the drag of the wing with 
the straight blunt trailing edge can be reduced by reducing the 
trailing edge thickness. For supersonic Mach numbers,    M    ^2, 
the optimum trailing edge thickness of straight blunt trailing0 

edges then has a value of    h/d = 0. 30 ,  approximately*'.   This 
value probably should also be valid at transonic Mach numbers. 
By using a broken trailing edge with an optimum thickness, the 
total drag of the wing with a blunt trailing edge could, of course, 
be reduced and made smaller than that shown in Fig.  4. 

Furthermore,  the measurements have shown that at subsonic 
Mach numbers the lift curve slope for the wing with a blunt trail- 
ing edge for all trailing edges is greater than for the wing with a 
sharp trailing edge.  This also is true for Mach numbers above 
M^ = 1    if the boat tail angle    ß    (see Fig.  4) is small, i. e. 

Fig. 4  Drag coefficient at zero lift as 
function of the Mach number 

*) 
The optimum thickness of the trailing edge increases, of 
course, with increasing base pressure. 
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ß S 2° ,  approximately.   Therefore,  the maximum lift 
to drag ratio for the wing with a blunt trailing edge can 
be relatively large,  as shown in Fig.   5.  For Mach num- 
bers    M    ^ 0. 95    the maximum lift to drag ratio of the 

oo " 
wing with a sharp trailing edge is only a few per cent 
greater than that of the wing with a blunt broken trail- 
ing edge of thickness h/d = 0. 75 and with a boat tail 
angle of    ß = 1. 7° . 

Thus,  it can be supposed that by using a blunt broken 
trailing edge of the thickness    h/d = 0. 3    having a 
small boat tail angle the maximum lift to drag ratio 
would be somewhat higher than for a corresponding 
wing with a sharp trailing edge. A further conclusion, 
however, is that the devices for reducing base drag 
should still be improved, because the base drag is too 
large,  even if a blunt broken trailing edge is used. In 
the next section new measurements carried out in order 
to improve the devices for reducing base drag will be 
discussed. 

3.  NEW MEASUREMENTS FOR REDUCING BASE 
DRAG 

3. 1   Experimental Set-up 

The measurements were performed in 1972 in 
the Low Speed Wind Tunnel of the Aerodynami- 
sche Versuchsanstalt in Göttingen.   This wind 
tunnel has an open test section and the dimen- 
sions of the test section are    3x3 m^ . 

The rectangular wing had a span of   b = 1, 50 m 
and a chord of   c = 0. 60 m .  Thus, the aspect 
ratio was equal to    A = 2. 5 .  The profile of the 
wing is shown in Fig.  6.  The foremost part of 
the profile was identical with NACA 65 A 006. 
After the first joint the upper and lower profile 
contoures were straight lines.  The maximum 
thickness of the profile was    d = 36 mm    and 
the thickness of the trailing edge    h = 21 mm . 
Therefore, the relative trailing edge thickness 
had a value of   h/d = 0. 58 . 

During the investigations the wing was fitted with broken trailing edges,  splitter plates and splitter 
wedges.  The Mach number of the undisturbed flow was equal to    M     = 0. 15    and the Reynolds number, 
based on the wing chord, had a value of    R     = 2-10° , approximate^. 

Fig,   5   Maximum lift to drag ratio versus 
Mach number 

f^ I i * 3Cmm f—J. 
-j  I ~~/>- 21mm 

— 281 mm 

-c-SOOmm     1 
Fig.  6   The wing profile 

(T)   Front part, NACA 65 A 006 
(S)  Second part     1 . . ^ ,. 
|   Trailing edge J   ^aight line contour 

3. 2   Measurements on Broken Trailing Edges 

For the broken trailing edge the following parameters are important. Fig.  7: the relative "span" of the 
trailing edge element    b./h , the ratio    bj/b. , the ratio    a/h    and the angle 
ing edge thickness). From previous investigations we know that a value of 
and for    tg 7 = 0. 5    the base drag is far less 
than for    tg 7 = 0 .  Measurements therefore 
were performed on trailing edges with    b. /b„ = 
1,   a/h = 1.9    and    tg 7 = 0. 5    but with different 
values of the parameter    b./h.  The results, for 
the angle of incidence    a - 0° , are shown in 
Fig.  8.  The optimum value for    b1 /h    seems to 
be about    b. /h = 5. 5 ; then the base pressure 
coefficient is    c _ = - 0. 165 , compared with 
the value    c      = - 0.179    valid for the dimen- 

a/h = 1 
(h 
9 

means the trail- 
is nearly optimal 

pB 
best trailing edge of the previous sions of the 

investigations [71, [8' i.e. for    b /h = 3.8 

Fig.  7 Important parameters for the broken trail- 
ing edge 

Subsequent measurements have shown that for 
tg 7 = 0. 66    and   b./h = 5, 0    the base pressure 
is somewhat higher than for    tg 7 = 0. 50    and 
b,/h = 5. 0 , giving    c       = - 0. 156 .  Compared with the value    c _ = - 0. 179    valid for the best trailing 

1 po pa 
edge of the previous measurements (71, [8], the base drag thus has been reduced by 13 per cent, approx- 
imately. It is possible that the base drag can still be reduced by some per cent, if the optimum value of 
the parameter   7    is found. 
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Mean base pressure coefficient for broken 
trailingedges   b /b   =1,  a/h = 1.9,  tg7 = 0. 5 

3. 3   Measurements with Splitter Plates in the 
Wake 

During these measurements the wing had a straight 
blunt trailing edge on which various splitter plates 
were fitted.  The full details of these measure- 
ments are given in [13]. 

Figure 9 shows the splitter plates used in this ex- 
periment. For all these trailing edge configura- 
tions the distribution of the base pressure over 
the span and the lift and drag of the wing were 
measured during this investigation. 

In Fig.  10 the distribution of the base pressure 
coefficient over the half-span is shown for the 
blunt straight trailing edge without splitter plate 
in the wake for an angle of incidence of   a = 0° . 
The pressure distribution is of pronounced three- 
dimensional character. 

In Fig. 11 the quite different pressure distribution 

1 
-j i 

u 
-0.3 

0.2 0.i 0.6 0.8 10 

Jmling Idfi 

Sflilltr Plili 

■85 

/   \ L\1 j 

Fig.  9   Splitter plates used in this 
investigation 

Fig. Distribution of the base pressure coefficient 
over the half-span for a straight blunt trail- 
ing edge fitted with the thin splitter plates 
No. 1, 2 and 3 

-0.6 

Fig.   10 Distribution of the base pressure coeffi- 
cient over the half-span for a straight 
blunt trailing edge without splitter plate 

for the wing fitted with the thin splitter plates 1, 
2 and 3 is plotted. In these cases the base pres- 
sure coefficients are nearly constant over the 
span, especially for the longest splitter plate. 

The results showthatthe mean base pressure in- 
creases with increasing length of the splitter 
plate. But the- splitter plate also has another in- 
fluence on the base drag.  To explain this, we 
refer to Fig.  12, which shows pressure distribu- 
tions downstream of the separation point at the 
Mach number    M     = 0. 4 . as measured by J, F. 

CO 
Nash etal[111. Such pressure distributions 
are typical for subsonic base flows. 

The curve  ®   refers to the flow past a back 
step, i. e.  to the flow past a thin section with 
blunt trailing edge at the incidence    a = 0°    hav- 
ing a very long splitter plate in the wake.  The 
curve denoted by  @   refers to the flow past the 
same section without splitter plate. For short 
splitter plates the pressure distribution lies 
somewhere between both curves. Therefore, the 
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pressure acting on the end of the splitter plate 
probably depends on the length of the splitter 
plate.  Since the splitter plate has a finite thick- 
ness, the effective base pressure, defined as 
the pressure corresponding to the base drag, 
differs from the pressure acting on the airfoil 
base.  The coefficient of the effective base pres- 
sure, defined by 

(c pB'eff 
F 

FB
CDB 

c 
' hcDB (1) 

with    F,,    as base area and   F    as wing area, 
is related to the base pressure coefficient   c 
by the equation 

h. 

/Ji'S 

^pB'eff h  cpE + cpBx 04) ■   <- 
where    h      is the splitter plate thickness and 
c _    the pressure coefficient acting on the end 
01 the splitter plate. If 

Fig.  12  The pressure distribution in the plane of 
symmetry of the near wake. After J. F. Nash 
et al[ll] 

curve  Q)   : with a long splitter plate 
curve   (2)   : without splitter plate 

> c 

and 
pE      pB 

h   >0 
(3) 

^pB'eff > C
PB * 

"PB 

-0.1 

-02 

0.2 0.i 0.6 0.8 
>A 
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the effective base pressure is higher than the base pressure, i. e. higher than the pressure acting on the 
airfoil base at    x = 0 . Refering to Fig.   12 it is plausible that for long splitter plates 
For short splitter plates the contrary may be true. 

It can be seen fromEq. (2) that the base drag can be reduced by increasing the splitter plate thickness, 
provided that the base pressure is not affected.  The curve  @   in Fig.  13 shows the distribution of the 
base pressure coefficient over the half-span 
for the case that the wing is fitted with the 
splitter plate No. 4 with a blunt end having a 
length of    l/h • 2. 38    and a thickness of 
h /h = 0. 31 . By comparison with Fig.  11 one 
can see that for this thick splitter plate the 
base pressure coefficient is remarkably lower 
than for the thin splitter plate No. 3 of equal 
length. This effect can be explained by the 
additional influence of the thick blunt end of the 
splitter plate on the back flow in the near wake 
(see e. g.  experimental results by I.  Tani [12]). 
Therefore, if the end of the splitter plate is 
made sharper, the base pressure should in- 
crease.  This seems actually to be the case, be- 
cause the base pressure coefficient is evidently 
higher for the splitter plate No. 5 with a 
'' sharp1' end than for No. 4 with a blunt end, as 
shown by the curve  (J)  in Fig.  13, 

For the prediction of the base drag the profile 
drag has to be subtracted from the total drag. 
By using carefully measured values of base 
pressure and total drag for the wing with a blunt 
broken trailing edge, the value 

a 

f fsharpl 
jy-O "O-O-Qs [. 

/v^ fez v%^ 

/ (Oltlui tl 1 

"Dp 
• 0. 0060 (a • 0°) 

Fig. 13  Distribution of the base pressure coefficient 
over the half-span for a straight blunt trailing 
edge fitted with the thick splitter plates No. 4 
and 5 

(4) 

was estimated for the coefficient of profile drag 
(without base drag).  The base drag coefficient, 
therefore, was predicted from the equation 

curve Q   : Splitter plate No. 4 with a blunt 
end 

curve  (D   : Splitter plate No. 5 with a 
"sharp" end 

"DB ■ c. 0. 0060 (« = 0°) (5) 

By using the base drag and base pressure values, the pressure acting on the end of the splitter plate 
could be calculated from Eq. (2). The results are given in Table 1. 
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Trailing edge configuration 

/X-0> 
CpB CpE        ^pß'eff 

without splitter plate l/h = 0 - 0. 440 - 0. 440 

with splitter plate No. 1 l/h = 

h1/h = 

1. 05 

0. 14 
- 0. 171 - 0. 27 - 0. 186 

n        ii          n     JJCI 2 l/h- 1.67 

0. 14 
- 0. 139 - 0. 30 - 0. 163 

11           II            II       No. 3 l/h = 

h1/h = 

2. 38 

0. 14 
- 0. 130 - 0.02 - 0. 114 

II            II              ii        JJO. 4 l/h = 

h1/h = 

"blunt 

2. 38 

0. 31 

II 

- 0. 181 + 0.04 - 0. 114 

n        II         II     NOi 5 l/h = 

h./h = 

2. 38 

0.31 
- 0. 159 + 0.01 - 0. 106 

"sharp" 

broken trailing edge - 0. 166 - 0. 166 

Table 1   Coefficients of base pressure, of effective base pressure and 
of pressure acting on the end of the splitter plate for various 
trailing edge configurations 

Fig,   14   Lift to drag ratio vers is angle of in- 
cidence for various tracing edge con- 
figurations 

straight blunt trailing 
edge without splitter 
plate 
with splitter plate No, 1 
broken trailing edge 
bj/h = 5.0, a/h = 1.9, 
tg -y = 0. 50 

curve   (4J  : with splitter plate No. 5 

curve 

curve 

curve 

CD 

(D 
(D 

® 

For the shorter thin splitter plates No. 1 and 2 with 
l/h = 1. 05    and    l/h = 1. 67    the effective base pres- 
sure is lower than the base pressure, depending on the 
relatively low pressure acting on the end of the splitter 
plate. For the longest thin splitter plate No. 3 with 
l/h = 2. 38    the effective base pressure is, however, 
higher than the base pressure,  because in this case the 
pressure at the end of the splitter plate is relatively 
high, with    c 

pE 
0. 02 . For the thick splitter plate 

No. 4 with a blunt end the effective base pressure has 
the same magnitude as for the long thin splitter plate 
No. 3 although the base pressure for the thick splitter 
plate is far lower.  If the end of the thick splitter plate 
is made "sharp" (splitter plate No. 5), the base pres- 
sure increases and then the effective base pressure has 
the highest value obtained in this test on splitter plates, 
with    (c g) -- = - 0. 106 .  The base drag is then only 
about 24 per cent of that for a straight blunt trailing edge 
without splitter plate. With the best splitter plate of this 
investigation, therefore,  a base drag reduction of 76 per 
cent is achieved, a value much greater than those pre- 
viously reported (see Fig.   1). 

By using this most advantageous splitter plate the base 
drag is about 32 per cent smaller than for the best bro- 
ken trailing edge. It seems, therefore, that in three- 
dimensional flow the splitter plate is a more efficient 
device for reducing base drag than a broken trailing 
edge, provided that the dimensions of the splitter plate 
are chosen in a reasonable way.  It may be remarked 
that the optimum dimensions of t^e splitter plate are 
still to be found. 

Fig. 14 shows the lift to drag ratio as function of the 
angle of incidence for some trailing edges.  For the 
straight blunt trailing edge the maximum value of ths 
lift to drag ratio is    (L/D) 9. 3 , approximately. 
If the trailing edge is fitted with the short thin splitter 

max 



plate No. 1,  with    l/h = 1. 05 ,  the maximum lift to drag ratio is much higher with    (W0)-,-» - H. 7 . 
It can also be seen that the best broken trailing edge is equally advantageous, approximately, as the 
short splitter plate No. 1.  The highest L/D-values, however,  are achieved by using the long thick split- 
ter plate No. 5 with a "sharp" end.  In this case the maximum lift to drag ratio has a value of   (L/D) 
)3. 0 .  The corresponding drag coefficient is about 19 per cent smaller than that for the short thin splitter 
plate No. 1. 

3--7 i 

3. 4   Measurements with Splitter Wedges in the Woke 

In the measurements on the wing fitted with splitter plates it was observed that by using such a long split- 
ter plate that its end lies in the region of relatively high pressure near the reattachment point, the effect- 
ive base pressure could be increased remarkably over the value of the base pressure.   By this means the 
base drag could be decreased appreciably.  However,  one can do still a further step:  by fitting the blunt 
trailing edge with a body having Inclined walls,  e. g.  with a wedge as shown in Fig.   15,  it is possible to 
lake advantage of the pressure rise in the reattachment region.  The full details of these measurements 
are given in [14] *'. 

For such a configuration the effective base 
pressure coefficient - defined by Eq. (1) - is 
given by **' 

I 

(c. pB'eff (1 m) c „ + m 
pö rh dx (6) 

where    c  „    means the base pressure coeffi- 
pB 

c;ent,   c       the local pressure coefficient on the 
P 

wedge,     I    the length of the wedge and 

^hj/h (7) 

Trailing Edge 

Splitter Wedge 

Fig.   15   Trailing edge with splitter wedge 

the ratio of wedge thickness to trailing edge thickness. If the pressure distribution on the wedge surface 
is not affected by the value of the parameter m , the highest effective base pressure coefficient will be 
achieved for m = 1 , since then the negative part (1 - mjc^^ in Eq. (6) vanishes. Equation (6) then 
reduces to 

"pB 

I 

(c 
pB'eff 

T- / c  dx (8) 

The values for the measured drag coefficient at zero lift    c and its components are given in Table 2 

Wedge N o.        h^h l/h CDo CDP 
CDB ^PBU 

1 0. 75 2. 42 0. 0090 0. 0060 0. 0030 - 0. 086 

2 0. 65 2. 37 0. 0098 0. 0060 0. 0038 - 0. 1 09 

3 0.75 2.82 0. 0085 0. 0060 0. 0025 - 0. 071 

4 0. 72 2. 14 0. 0097 0. 0060 0. 0037 - 0. 106 

5 0. 72 3, 51 0. 0081 0. 0060 0. 0021 - 0. 060 

6 0.92 3. 06 0. 0066 0. 0060 0. 0006 - 0. 017 

7 0.94 3. 50 0. 0065 0. 0060 0. 0005 - 0. 014 

8 0.93 3.97 0. 0061 0. 0060 0. 0001 - 0. 003 

9 0.93 4.67 0. 0065 0. 0060 0. 0005 - 0. 014 

10 0. 89 3. 50 0. 0068 0. 0060 0. 0008 - 0. 023 

Table 2 Drag coefficients an d coefficient s of effective base oressure 
for the wing with a blunt trailing edge fitted with various split- 
ter wedges 

*) 
Results from measurements with "triangular fillets" behind a back step are in 1957 reported by 
I.  Tani   [12), 

By deriving this equation, one can use the expressions    ds = dx/cos ©   and    tg©=h1/l    (seeFig.15). 
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Fig.   16   Lift to drag ratio ver- 
sus angle of incidence 
for various splitter 
wedges 

for all 10 splitter wedges measured during this investigation. It can be 
seen that the drag in general decreases with increasing value of    hj/h 
- i. e.  with increasing splitter wedge thickness - whereas a splitter 
wedge length of about    l/h = 4   seems to be the most favourable. 

For the wedges 6,  7 and 9 the effective base pressure coefficient is 
(c     )      > - 0. 02    and for the wedge No. 8    (c B)eff    is almost equal 
toP^ro. Fitted with this wedge the wing with a blunt trailing edge thus 
practically has no base drag. It seems, therefore, that a splitter wedge 
is the most efficient device for reducing base drag, provided that its 
dimensions are properly chosen. 

for the wing with a blunt trailing edge The lift curve slope    dc^/da 
fitted with the wedges 6 to 10 is equal to or somewhat greater than that 
for the corresponding wing with a sharp trailing edge.  For the smaller 
splitter wedges, however,  the lift curve slope is smaller than for the 
wing with a sharp trailing edge. By using the splitter wedge No. 2 the 
lift coefficient at the incidence   o = 6°    is about 11 per cent smaller 
than for the wing with a conventional sharp trailing edge. 

16 the lift to drag ratio is plotted as function of the angle of in- 
For the wedge No. 1 the maximum 

(L/D) = 12. 0 , i. e.  a value 

In Fig. 
cidence for some splitter wedges. 
lift to drag ratio has a value of about    ,   ,    , TlF!i. 
somewhat higher than that,  which was achieved by using the short thin 
splitter plate No. 1 (see Fig.  14). For the wedges 5 and 6 the corres- 
ponding values are    (L/D)max = 12. 8    and    (L/D) = 14, 4 .  The 
latter ratio is already very good. The highest lift to drag ratio, how- 
ever, is obtained for the wedge No. 8, for which    (L/D)max = 15. 5 . 

In Fig.   17 lift to drag ratios of the wing with a blunt trailing edge using 
different devices for reducing base drag are shown together with values 
for the corresponding wing with a sharp trailing edge from [7].  It can 
be seen that the most favourable splitter wedge No. 8 gives the best re- 
sults.  The maximum lift to drag ratio of the wing with a straight blunt 
trailing edge fitted with this splitter wedge is about 67 per cent greater 
than that for the same wing with a straight blunt trailing edge without 
splitter plate.  The corresponding total drag in the first case is about 
55 per cent smaller than in the second one. The figure also shows that 
the wing with blunt trailing edge fitted with the most efficient splitter 
wedge has the same maximum lift to drag ratio, approximately, as the 
corresponding wing with a conventional sharp trailing edge. Then also 
the total drag is of equal magnitude in both cases. 

Thus, at present the splitter wedge seems to be the best device for re- 
ducing the base drag.  Therefore, measurements on profiles with blunt 
trailing edges and splitter plates at high subsonic, transonic,  and super- 
sonic Mach numbers would be of interest. 

Fig.  17   Lift to drag ratio versus angle of incidence 

straight blunt trailing edge without splitter plate 

with splitter plate No. 1 
with splitter plate No. 5 
with splitter wedge No. 8 
wing with a sharp trailing edge 

curve (D 
curve ® 
curve (D 
curve ® 

• ® 

4.  CONCLUDING REMARKS 

In order to reduce the base drag of airfoils with a blunt trailing ?dge, measurements in the Low Speed 
Wind Tunnel were performed on a wing with finite span having various trailing edge configurations. The 
Mach number had a value of   M     =0.15    and the Reynolds number a value of    R     = 2-10   , approx- 

oo a-, 
imately. 

The results show that by variation of some geometrical parameters of the broken trailing edge,  its drag 
could be reduced by an amount of 13 per cent, approximately, giving a base pressure coefficient of   c B

: 

-0.156, compared with   c_ "  """    - ^ 1 .- - •.,,.... ti.,..^ , „J:J„,, „,!,,., 
PB 

0. 440    valid for a straight blunt trailing edge. 

By using relatively long and thick splitter plates the base drag could be reduced even stronger giving 
(c „) ,   = - 0.106 for the best splitter plate. Then the maximum lift to drag ratio has a value of 

pB eff .. 
(L/D) = 13. 0 , compared with    (L/D) = 9. 3   valid for the straight blunt trailing edge. 

'     max max 
The greatest reduction of base drag was attained by fitting splitter wedges on the trailing edge. For the 
best splitter wedge the base drag is practically zero. Then the wing with a blunt trailing edge has a maxi- 
mum lift to drag ratio of   (L/D) = 15. 6 . a value which is equally good as that for a corresponding 

"                            max — 



X 

12-9 

wing with a sharp trailing edge. Then the total drag also is equal in both cases. 

In incompressible flow the beat broken trailing edge - which has been used in previous measurements at 
high speed - has a base pressure coefficient of    c „ = - 0.180 ,  approximately. At transonic Mach num- 
bers the maximum lift to drag ratio for a wing fitted with this trailing edge was only some per cent 
smaller than that for a corresponding wing with a sharp trailing edge (Fig.   5). It is therefore possible 
that a wing with a blunt trailing edge fitted with an optimum splitter wedge has more favourable character- 
istics at transonic Mach numbers than a corresponding wing with a sharp trailing edge. 
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SUMMARY 

It is well established that aircraft and missile performance during powered flight is significantly 
affected by the separated-flow region resulting from the interaction between the propulsive-jet and the 
free-stream flows.    The Chapman-Korst component flow model allows, due to its generality and flexibil- 
ity, the qualitative and quantitative discussion of the effects on the afterbody-base problem of all 
pertinent design and performance parameters.    The usefulness of the component approach has been enhanced 
by semi-empirical modifications, improvements of individual components, and the development of compre- 
hensive computer programs.    Parametric studies of the base pressure, base temperature, plume-induced 
separation, and combined afterbody-base drag are presented.    Modifications of the afterbody drag,  ther- 
mal and chemical environment in the base region, and possible loss of stability and control can result 
if plume-induced separation occurs on the afterbody.    It  is shown that the onset and location of plume- 
induced separation of the external flow can be predicted given a suitable boundary-layer separation 
criterion.    It is found that prediction of the system behavior depends strongly on the proper formula- 
tion of the boundary-layer separation criterion and experimental evidence is introduced to illustrate 
the need for further improvements in flow-component analyses.    For conducting experiments, correct 
plume simulation is essential; a new and effective method of modeling is demonstrated. 

NOMENCLATURE 

Symbols 

A = area 

C = Crocco number 

C * specific heat at constant pressure 

C = afterbody-base drag coefficient 

AC = incremental thrust-minus-drag coefficient 

3 = geometric flow angle 

Y = ratio of specific heats 

ri = dimens i onless mixing coordinate, Oy/x 

Barred Symbols 

B = bleed-to-nozzle mass  flow ratio 
o 

E = ba^e-to-rozzle energy transfer ratio 

P
BS • = solution ratios:  P    /P„,T    /T 

— BS       E*   BS      ol 
T_. 

P = absolute pressure 

r = lecompression coefficient 

R = radius 

s = mixing length 

T = absolute temperature 

0 = empirical mixing parameter 

P = density 

A = stagnation temperature ratio 

* = velocity ratio 

X,R      = coordinate ratios:  X/I^B,R/R2E 

SE 
= plume-induced separation location. 

XSE/R2E 

Subscripts 

• = adjacent inviscid flow 

B = base region 

BS s base-flow solution 

<• = discriminating streamline 

E, I = external,  internal streams 

j = jet-boundary streamline 

o = stagnation conditions 

s = slipline, oblique shock 

BE = plume-induced separation location 

SEP = separation 

IE, ii = terminus of afterbody, nozzle 

JE = initial afterbody point 

[ 

i 
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1.    INTRODUCTION 

Aircraft and missile performance during powered supersonic flight can be significantly affected by 
the separated flow region formed by the interaction between the free-stream and propulsive-nozzle flows. 
As a consequence,  important design considerations are: 

i.    The base and afterbody drag contributions and the significant factors infiaencing these con- 
tributions. 

ii.    The potential gains from optimization techniques for the afterbody base-flow region. 

iii.    The onset and effects of plume-induced separation on the afterbody and the modification of the 
flowfield in the vicinity of control surfaces. 

iv.    The thermal and chemical environments maintained in the base and near-wake regions. 

A tenable  and practical way to study these complex problems is by means of a generalization of 
the  Chapman-Korst baseflow model which includes axisymmetric flow with various afterbody and propul- 
sive-nozzle geometries, plume-induced separation, and empirical correlations.    Thic generalization of 
the  Chapman-Korst component model is based on a highly idealized but physically perceptible flow model 
which distinguishes between and ultimately synthesizes individual components.    From its original con- 
ception until the comprehensive model and methods available today, numerous improvements have been 
made in individual components.     Of particular significance are the contributions of Nash in England, 
Carriere, et al., in France, and Page, et al. , in the United States who have pointed to the importance 
of modifying the recompression process and of considering the effectiveness of mixing along and be- 
tween various portions of the bounding mixing layers.    More recently, the development    of comprehensive 
high-speed computer programs by Addy   that   provide a means for rapidly and easily investigating the ef- 
fects of parameter and model component variations   has   been a major step forward. 

The purpose of this paper is to demonstrate the capabilities of these computational programs based 
on the generalization of the Chapman-Korst baseflow model.     This is done by presenting case studies of 
parametric variations in the variables governing the base-pressure and -temperature problem, of the 
combined afterbody-base drag and potential optimization procedures, of plume-induced separation,  and of 
plume-simulation techniques. 

2.    THEORETICAL FLOW MODEL 

The Chapman-Korst flow model  [1-U]      for analyzing two-dimensional supersonic flow over a simple 
backstep and its subsequent application by Korst, Chow, and Zumwalt  [5] to axisymmetric flows provides 
the basis for the analysis of the two-stream axisymmetric base-pressure problem.    Although details of 
the development and application of this flow model are given in  [5-7] a summary of the concepts 
assumptions, and relevant equations is included here. 

The basic configuration and associated notation for the two-stream axisymmetric base-pressure 
problem are shown in Fig.  1.    Application of the Chapman-Korst flow model consists of four parts. 

i.    The separated flow region is approximated by a constant-pressure region formed by the base 
geometry and the  "corresponding" inviscid boundaries.     The  "corresponding" inviscid 
boundaries are determined by their respective initial flow conditions and the requirement 
that the flows expand to a common base pressure.    As a consequence of this assumption, there 
is no local interaction between the streams until their mutual impingement point is reached. 
Flow properties  immediately downstream of the impingement point are determined by the re- 
quirements of common pressure and flow direction downstream of the impingement point. 

ii.    The two-dimensional constant-pressure turbulent mixing region is locally superimposed on 
each of the  "corresponding" inviscid boundaries at their mutual impingement point.    The mix- 
ing profiles are located with respect to each of the boundaries by satisfying the integral 
momentum balance for the respective streams on a local two-dimensional basis. 

iii.    The pressure level that the entrained fluid must recompress to is determined by the oblique 
shock system which occurs at the impingement point of the "corresponding" inviscid 
boundaries.     The recompression criterion defines the  "discriminating" streamline within the 
mixing region as the streamline which possesses just sufficient mechanical energy to recom- 
press by stagnating from the base pressure to the pressure level sustained by the oblique 
shock   sysLem at   the  impliigeiiient point. 

iv.    Solution values of base pressure and base temperature, for given geometry and flow con- 
ditions, are determined by satisfying the continuity and energy equations for the overall 
separated flow region. 

2.1    "Corresponding" Invisdd Flow Fields 

The supersonic flow fields are determined by the method of dharaoteristioB for irrotational axi- 
symmetric flow.    The external (free-stream) flow is assumed to be initially a uniform supersonic 
stream; downstream of this uniform external flow station, the flow can either immediately separate, 
as for a cylindrical afterbody, or continue over a prescribed afterbody before separating. 
The internal (propulsive-nozzle) flow is assumed to be from an ideal full-flowing supersonic conical- 
flow or uniform-flow nozzle.    After the separation of the internal and external flows, the flow fields 
are calculated for a constant-pressure boundary condition and a trial value of the base-to-freestream 
pressure ratio.    At the impingement point of the inviscid stream, if it exists, the oblique-shock re- 
compression system is determined. J •% — "i 
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The general case of a uniform external  (free-stream) flow upstream of an afterbody is shown  in 
Figs.  1 and 2.    The afterbody flow-field calculations are made from the known uniform-flow character- 
istic through the initial point (2E) on the afterbody.    The flow-field calculations proceed from 
these known data on the II-characteristic along I-characteristics to the boundary points on the after- 
body surface where the boundary condition of flow tangency is satisfied; these calculations are il- 
lustrated in Fig.  2.     An iteration sequence is used to find the I-characteristic which passes through 
the terminus of the afterbody.    This calculation sequence completely determines the flow field over 
the afterbody; to link the afterbody and constant-pressure boundary flow fields, the II-characteristic 
through the afterbody terminus is determined as shown in Fig.   2,     The free-stream flow conditions, the 
afterbody flow-field calculations, and the constant-pressure boundary flow-field calculations are 
linked, respectively,  along characteristic curves which are specified or determined through points 
(2E) and (IE) of Fig.  1.  The afterbody geometries considered herein are: the ogive, parabola, and cone. 

For the internal  (propulsive-nozzle) flow, the ideal uniform-flow propulsive-nozzle reduces to 
the specification of the uniform Mach number and flow direction along the straight characteristic 
through the terminus of the nozzle.    The ideal conical-flow nozzle is specified by the constant nozzle 
Mach number and the variable conical flow direction along the known non-characteristic curve through 
the nozzle terminus.    Thus, the flow field between the non-characteristic curve and the initial char- 
acteristic is constructed.     The propulsive-nozzle flow conditions are linked with the constant- 
pressure boundary flow-field calculations along a characteristic curve specified or determined through 
point  (II) of Fig.  1. 

r 
The "corresponding" inviscid flow fields are shown in Fig.   3; the re compress ion shock system is 

determined by the requirements that a common pressure and flow direction exist immediately downstream 
of the impingement point.     The oblique shock pressure rise can be expressed functionally for both the 
internal and external streams at the impingement point by 

VPB   =   f^I '   (eBI   '   es"  =   f[M&«   -   (0BE   '   9S)] (1) 

The values of M£,   and K£E are determined by the isentropic expansion of the respective streams from 
P.,   and P.. to PB;  63,   and Sgg are determined at the impingement point of the streams from the 
"corresponding" inviscid flow-field calculations.    Thus, the unknown slip-line angle 6S  is determined 
from Eq.   (1) along with the value of the pressure rise PS/PB across the oblique shock system. 

Oblique shock waves can occur in the external flow field prior to or at onset of plume-induced 
separation of the external flow, or for nozzle geometries with large exit flow angles and/or highly 
overexpanded nozzle flows.    Imbedded shock waves occurring in the internal or external flow fields 
are considered approximately as reversible compressions in the flow-field analysis.    In the afterbody 
calculations, the oblique shock wave for conical-flare configurations is approximated by a single- 
line reversible compression. 

2.2   Turbulent-Mixing Component 

For a two-dimensional constant-pressure mixing region with a "thin" approach boundary layer, the 
velocity profile within the mixing region can be represented by 

= U/Ü,  = i- [1 + erf (n)] (2) 

The stagnation temperature profile in the mixing zone for nonisoenergetic flow with a unit turbulent 
Prandtl number is given by Crocoo's relationship as 

A = T /T 
0       01 *, + (1-v (3) 

where Aj = TB/Tot.    For nonisoenergetic mixing at constant pressure, the local-to-freestream density 
ratio is 

(p/pj =  (1 - C*)/(A -  cV) (4) 

The use of similarity solutions other than the error function [8], combinations of locally 
similar profiles with rotational flow regions [9,10], and even numerically integrated developing mix- 
ing profiles have been suggested to improve the accuracy of the mixing component. 

The intrinsic coordinate system (x,y) and, consequently, the velocity profile are localized 
with respect to the "corresponding" inviscid boundary by satisfying ths integral momentum equatiou. 
The j-streamline is defined as that streamline which separates the fluid originally in the jet and 
the fluid entrained by the mixing process.    The j-streamline within tht mixing region is located by 
applying the integral continuity equation.    The resulting integral equation to be solved for n,   is 

/ "(I:) ♦*•/ (!:)♦'*' (5) 

Rb 

Thus, for given values of C,  and Ag, the velocity ratio along the j-streamline is found from Eqs.   (2) 
to (5)    and has the functional form 1^   = ^C^,^)- 

--«».«.»«^«fw,^,«,-., ssqesBß- 



The mass and energy transport per unit width associated with the mixing process are determined 
in relation to the j-streamline.    The mass flow rate between the  j-streamline and any d-streamline is 

^V^J    (P.) 
* dn (6) 

1 

The energy, referenced to a zero temperature, convected along with the mass flowing between the j- 
and d-streamlines and energy transfer rate across the j-streamline due to shear work and conduction 
define the combined energy transfer rate 

»    •    p    01 •' V    « ' •' X    1   ' 
(7) 

The important results of the two-dimensional constant-pressure mixing analysis used in the 
analysis of the two-stream axisymmetric base pressure problem,  Fig.   M-, are summarized by Eqs.   (5), 
(6), and  (7).    These equations, however, form an incomplete set.     As a consequence, they must be 
augmented with a recompression criterion and with the requirement of conservation of mass and 
energy for the overall separated flow region. 

2.3   Conservation of Mass and Energy for the Wake Region 

Referring to Fig. 4, the conservation of mass and of energy for the overall separated flow region 
requires that 

ß + G„ + G= 0  and  E + E_ + E, o    E    I a    E    I 
(8) 

The mass and energy transport rates  (Gg.Ej.) and (Gj ,E^ ), due to mixing along the external and internal 
streams'  boundaries, are  approximated by using the two-dimensional mixing analysis.    The two-dimensional 
mixing profiles are superimposed on the  "corresponding" inviscid flow boundaries at their impingement 
point.    Thus, the mixing terms in Eqs.   (8) can be expressed approximately as 

(GE + G, ) « 2^^   (g,   t gE)      and      (EE + E, )  * 2**^   (e,   t eE) (9) 

i 

' 

Values of the two-dimensional mixing functions  (g,e) are determined from Eqs.   (6) and (7) for the flow 
conditions and mixing lengths determined from the  "corresponding" inviscid flow-field analysis." 

For convenience, the  following dimensionless mass  and energy ratios are defined as 

\  E Go/Gui '      ¥ " -[2™ilIV   (gl   + hW^l '      \  E V^. .    and E £ -L2^mt   (e,   + e,)]^ (10) 

where the propulsive-nozzle mass-flow rate CL    and the total enthalpy rate E      = C T    G     serve as 
reference values. 

In terms of mass and energy ratios, conservative requirements obtained by combining Eqs.   (8) and 
(10) become 

AB(PBS'TBS
)SBo ^d       AE(PBS,TBS)   EEo   -  E (11) 

For given values of geometry and flow conditions, solution values of the base-pressure ratio PBS 
and base-temperature ratio TBS must result in Eqs. (11)  being satisfied simultaneously. 

2.4   Recompression Criterion 

The recompression criterion links the flow-field and mixing analyses by identifying the d- 
streamline as the streamline possessing just sufficient mechanical energy to recompress by stagnating 
from the base pressure PB to the high-pressure Ps downstream of the stock system.    Thus, this pressure 
rise distinguishes between the fluid energized by the mixing which has sufficient mechanical energy to 
recompress to this pressure level from that which has insufficient mechanical energy and, as a conse- 
quence, must recirculate into the base region.    The recompression process, although irreversible,  is 
assumed to be equivalent to an isentropic compression.    Thus, for recompression from PB to Ps, the d- 
streamline Crocco number Cj  is found by solving the isentropic pressure-ratio function 

Pod/Pd   CCd.^ •  ^ - C^-^-l)] =  (PS/PB) 

The d-streamline velocity ratio is then determined from 

(12) 

(13) 

where C,,,   i C,/^. /S-/ 
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Experience has shown that general trends and the  functional dependence of base-pressure and 
base-temperature ratios on the governing variables can be predicted with this flow model.    There are, 
however, geometrical and flow conditions wherein significant discrepancies exist between the level of 
predicted and experimental values of the base-pressure ratio; these discrepancies are most pronounced 
for those cases wherein the nozzle is relatively small in comparison with the base. 

The reconpression process is central in determining the base-flow solution since it links the 
viscid and inviscid components of the  flow model.    Since the recompression process is not well under- 
stood and does strongly influence the solution to the base-flow problem, the need to improve agree- 
ment between predicted and experimental values has resulted in several empirical modifications to this 
part of the flow model. 

Nash [11] proposed and determined an empirical "reattachment condition" for the supersonic single- 
stream two-dimensional case.    An approach was adopted by Carriere and Sirieix [12]   in which they pro- 
posed and determined an empirical law of reattachment,  for a negligible initial boundary layer, based 
on an "angular criterion of turbulent reattachment.''    Page, Kessler, and Hill [13]  offered an alterna- 
tive empirical reattachment for two-dimensional supersonic flows based on the "discriminating- 
streamline" velocity ratio. 

For the axisymmetric two-stream base-flow problem under consideration herein, the recompression 
resulting from the interaction of separated supersonic freestream-nozzle flows apparently cannot be 
analyzed by a direct carry-over of the empirical reattachment criteria determined in the afore- 
mentioned investigations.     Sirieix, Delery, and Mirande [14] have presented a more generalized "cri- 
terion of turbulent reattachment" which involves geometric, as well as  flow variables,     Dixon, 
Richardson, and Page [15]   considered this problem under the experimentally supported assumption that 
the external inviscid flow boundary remains straight after initially turning to adjust to the base 
pressure. 

With this background and the availability of a computer program based on the flow model of 
Chapman-Korst, a simple empirical flow-model modification was proposed [16,17].     The recompression 
criterion is modified by assuming that the discriminating streamlines or the jet-boundary streamlines 
are capable of recompressing to only a fraction of the pressure rise  from the base region to the down- 
stream shock region as determined for the "corresponding" inviscid flowfields.     If the pressure rise 
immediately downstream of the oblique shock system. Fig.  5, is given relative to the base pressure as 
(Pß/Ps)» then the pressure level to which the discriminatihg streamline must recompress by stagnating 
is given by 

od 
(Cd,Y) = r(Ps/PB) > 1 (14) 

Equation  (14) defines the empirical recompression coefficient r.    Detailed comparison with approximately 
150 sets of experimental data have shown that the recompression coefficient for cylindrical afterbodies 
is principally a function of one dimensionless geometrical variable:  the nozzle-to-base radius ratio. 
Although data used in these  comparisons represented a wide range of geometrical and flow variables, they 
were obtained principally in cold flow air-to-air experiments.    With a single value of this empirical 
coefficient which corresponds to a particular geometrical configuration  good agreement can be achieved 
throughout the range of variation in the intemal-to-extemal streams pressure ratio.    Values of the re- 
compression  coefficient determined for cylindrical afterbodies are presented in Fig.  6 as a function of 
the nozzlt" ■ co-base radius ratio, Rn  [16,17].     When adequate experimental data were available, the maxi- 
mum var; jtions in r were determined and are indicated in Fig.   6. 

A similar empirical correlation for boattailed afterbodies is in progress. 

2.b   Plume-Induced Separation 

The occurrence of turbulent boundary-layer separation on the afterbody due to the interaction be- 
tween the free-stream and the propulsive-nozzle flows is well known.     In this case, the base pressure 
is determined by the boundary-layer separation pressure while the separation location and base tempera- 
ture are to be determined.  Fig.  7.    As a consequence, the boundary-layer separation component must be 
defined and introduced into the base-flow model.    The free-interacticn concept [18] was adopted by 
Korst, et al., [5]    for their early analyses of the two-stream base-pressure problem; a similar approach 
has been adopted by Fong [19]   and herein. 

Based on the free-interaction concept, correlations for the pressure rise across the separation 
region have been determined for shock and step induced separation on flat plates.    Zukoski [20]  ana- 
lyzed separation data for the  Mach number range of 1 to 6 and developed simple correlations for the 
pressure rise at and across the separation region as a function of the local Mach number at separation. 
These correlations have the  form PSEP/PSE = (1 + a [%E ) where a = 0,36   or 0.5, respectively, for the 
separation or plateau pressure ratios.     However, preliminary experimental data indicate that the 
boundary layer history on the boattail due to streamline curvature and the expansion at the boattail- 
cylinwr junction tends to result in lower pressure ratios across the separation region than are given 
by Zu*.^ski's correlation [21], 

When plume-induced separation occurs, Eqs,   (11) have the more general form 

0    and     AE(TM,1;,,*,,). o BS '   BS '   S E 
'15) 

where_PBg  = PSEp (Mgg,, ,.) is imposed by the separation component.    Equations  (15) must be solved for 
(TBS,XSE), ) 

% 
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2.6    "Effective" Mixing Lengths 

The mixing lengths of the internal and external streams are determined in the unmodified base-flow 
model.  Fig.  t, from the "corresponding" inviscid flcwfields.    These mixing lengths are the rectified 
lengths of the constant-pressure boundaries between the separation points  and the impingement point. 
Since the mixing layers merge upstream of the impingement point as shown in Fig.  8, the actual mixing 
lengths can be significantly less than the values determined from the inviscid analysis;  Hong [22] ob- 
served that the "effective" mixing lengths can be approximately one-half of their inviscid values. 

A simplified model to study the effects of back-flow in the recompression region on the "effective" 
mixing lengths, base pressure, and base temperature has been developed.     With this model, the "effec- 
tive" widths of the two-dimensional mixing layers are estimated and then superimposed on the inviscid 
boundaries to determine the approximate location of the merge point of the mixing layers in the recom- 
pression region. Fig.  8.     The "effective" mixing lengths are taken to be the lengths between the sepa- 
ration points and the merge point. 

From Fig.  8, the non-dimensional decrease in mixing length is given for either stream by 

(AS/S),   =  [1 + 2a,   tan 9» ^/^ (Y^/ö), ]"* 

where i =  I,E and the values of (^t^ ) must satisfy (YdR1/
Y

dRE) 
sin  ^lSB 

= s^n 6M • 

(16) 

The  "effective" width YJR of the mixing layer is found with the simplified volocity profile 
shown in  Fig.  9 to be 

YdR/6 = i + 2*d + ym/5 

where y /6 = 1 -  (1 - C2 ) C'^C-1   In  ((1 + C  )/(! - C )) - 2). 

(17) 

The boundary layers at the separation points of the streams can also affect the  "effective" mix- 
ing lengths.    This effect can be treated by inclusion of a virtual-origin shift for each of the mixing 
layers.    Origin shifts (positive [13] or negative [10]), as well as, transition criteria [4] applied 
to the dissipative mixing zone surely have to be applied to account properly for significant initial 
disturbances [10]. 

It is expected and has been our experience that the base-pressure and -temperature solutions are 
not strongly influenced by mixing length modifications for configurations and operating conditions 
wherein the mixing lengths are approximately equal.    However, mixing length modification can have a 
significant influence for those situations  (plume-induced separation, nozzle extension, etc.) wherein 
the mixing lengths are significantly different. 

3.    COMPUTER PROGRAM 

Based on the theoretical flow model described in Section 2, a computer program, TSABPP-St, has been 
developed for analyzing the two-stream axisymmetric base-pressure problem [23-25]. The program sub- 
division, solution procedures, and organization closely parallels that of the theoretical flow model.  A 
simplified flowchart. Fig.  10, illustrates the main program organization and iteration-solution pro- 
cedures employed.    Referring to Fig.   10, the program consists of the following principal sub-programs: 

i.     IN0UT controls the input of data to the main program and the computational options to be used. 

ii.    ABTS performs the afterbody and final afterbody II-characteristic calculations. 

iii,    ACPBS performs the internal and external constant-pressure boundary calculations. 

iv.    CR0SS determines the impingement point, the recompression shock  system, and the inviscid mixing 
lengths. 

v.     TJMIX performs all the mixing calculations: mixing integrals, modified mixing lengths, and mass 
energy rate ratios. 

vi.     ITER controls^ iteration sequences  for the various solution procediires to find (pBS »TBS ) 
or 

(P..  ' Pec« .Xcir «Toe ^ without or with plume-induced separation,  respectively. 
fiS SEP       SE       BS 

The input variables required for specifying the system configuration.  Fig.  1,  are  [_XII_J_ R^, , Bn , 
9.,  Y, ,  M    , NSHAPE, X2E, RaE,62E.  ^g,  R1B,  RE, YE , «I,  WToi , r,  Poi/PE or PJI/PE,  B0, £„] along 
with a suitable boundary-layer separation criterion, e.g._j_ PSEP  = f(MsE,...).    From these data, the 
program will determine, if possible, solution values of (PBS.TBS) without plume-induced separation or 
(PBS  

= ^SEP» ^E» ^BS ) with plume-induced separation. 

For the IBM 360/75 system, typical computational times are: 

i.     5 to 15 seconds for isoenergetic  (TOE/TOI   = 1) cases without plume-induced separation. 

ii.     10 to 30 seconds  for isoenergetic  (T    /T     = 1) cases with plume-induced separation. 

iii.    45 to 75 seconds for non-isoenergetic (T    /T      < 1) cases without or with plume-induced 
separation. 



4. CASE STUDIES 

Representative parametric afterbody and base-flow solution data are presented herein to demonstrate 
the qualitative behavior of the theoretical solutions over a range of geometric and flow variables and 
to demonstrate the capabilities of the component-model based computer program. 

4.1   Parametric Variations In Selected Geometric and Flow Variables [23,24] 

For the parametric study of the base-pressure and base-temperature problem, a typical cylindrical 
afterbody configuration was selected.    The detailed specification of this reference configuration is 
given in TABLE 1.    Successive parametric variations were made in the following variables:    tM

1E> Y, > 
M. B, B w- 

The functional behavior of theoretical solutions resulting from the above parametric variations is 
evident in Figs.  11-16.    Trends observed from these data are that the base-pressure ratio is inoreaaed: 
by deaveoaing the freestream (Fig.  11) or nozzle (Fig. 12) supersonic Mach numbers; by deoveaaing the 
specific heat ratio of the propulsive-nozzle flow (Fig. 13); by inoreosing the propulsive-nozzle exit 
flow angle (Fig.  14); by bleed into the base region (Fig.  15); and by dareasing the freestream-to- 
nozzle stagnation temperature ratio (Fig.  16). 

The extent and desirability of using any one or combinations of these effects to increase the base- 
pressure must be based on a thorough analysis of the trade-offs and interactions involved. 

For the parametric study of the afterbody-base problem, several of the variables were restricted 
to mid-range values used in the parametric study of the base-flow problem with a cylindrical after-body; 
in addition, the afterbodies considered were limited to a one-caliber length.    The afterbody geometries 
considered herein are:    conical boattails and conical flares.    The configuration and flow data are sum- 
marized in TABLE 2 for this parametric study.    It is apparent from Fig. 17 that boattailing can signifi- 
cantly deoreaae the base drag coefficient; the opposite behavior is seen from Fig.  18 to be the case for 
the conical-flare afterbody.    Figure 17 shows that the overall afterbody-base drag coefficient can be 
minimized by proper selection of the boattail; in all cases considered, boattailing tended to reduce 
significantly the overall afterbody-base drag.    For the conical-flare afterbody, the afterbody signi- 
ficantly inoreoaea the overall afterbody-base drag. Fig. 18. 

The effects of base "bleed" on the overall boattail-base drag coefficient are shown in Fig. 17 for 
conical boattails at two fixed operating pressure ratios and parametric values of the base-bleed ratio. 
The overall drag coefficient is significantly reduced by base "bleed"; however, the effectiveness of 
base "bleed" deoreaaea with inareaeing base-bleed ratios.    The possibility of minimizing C   by the 
proper selection of the base-bleed ratio and boattail angle is evident from Fig.  17. 

4.2   Afterbody-Base Optimization [24,26] 

/$■? 
i 

Figure 17 demonstrates the dependence of the over-all afterbody-base drag coefficient C on the 
conical-boattail angle ß  for several operating pressure ratios and   base-bleed flow. For a given 
operating pressure ratio, C can be minimized by the proper selection of ß; the locus of these minimum 
values of C is indicated in Fig. 17.  The influence of base-bleed flow for this configuration can be 
demonstrated best for fixed operating pressure ratios; the functional behavior and the possible mini- 
mization of C are shown in Fig, 17 for operating pressure ratio of PM/PB1 3  and parametric values 
of the base-bleed flow ratio. Thus, the possibility of reducing and minimizing the base drag coeffi- 
cient by proper selection of a conical-boattail angle and base-bleed flow-rate ratio is demonstrated. 

For diversion of the base-bleed flow of Fig. 17 from the propulsive-nozzle stagnation chamber. 
Fig. 19 demonstrates the potential gains in incremental thrust-minus-drag force, AC , that could be 
achieved with both boattailing and base-bleed flow. For this operating condition, AC can be maxi- 
mized by proper selection of the conical-boattail angle and base-bleed flow-rate ratio. 

4.3 Plume-Induced Separation [21,25] 

Combined afterbody-base drag can be minimized by proper boattail-propulsive nozzle combinations and 
base bleed; this fact was demonstrated for a representative configuration in Figs. 17, 19, and 20.  How- 
ever, optimized configurations tend to produce flow separation on the boattail due to the increased base 
pressure which accompanies the decrease in drag; also, increased engine-to-freestream pressure ratios 
tend to increase the base pressure and promote flow separation. For vehicles which operate over a wide 
range of altitudes, it may not be possible to avoid engine-to-freestream pressure ratios which could 
cause separation. 

The prediction of plume-induced separation and its effects requires the specification of a separa- 
tion criterion. For the examples given herein, Zukoski's separation criterion was used: p

SE./f.E 
= 

(1 + 0.36 M ). The combined drag coefficient curves. Fig. 20, for an optimized system (described in 
TABLE 2 with B  = 20°) show the onset and effects of separation; Reparation is seen to occur near the 
minimum values of C . 

Figure 21 is a Schlieren photograph of a system operating with the plume-induced separation of the 
flow on the boattail; superimposed on this photograph are the details of the flowfields as calculated 
with TSABPP-3. The agreement of the near-wake flow-field details is good; however, this agreement is 
somewhat fortuitous since only this particular operating condition happens to be in good agreement 
with the separation criterion used. This fact is demonstrated by Fig. 22 wherein the experimentally 
and theoretically determined separation locations are presented for a range of operating pressure 
ratios. Experimentally, the onset of separation occurs at a much lower operating pressure ratio and the 
rate of change of the separation location with increasing operating pressure ratio Is less than pre- 
dicted by the theoretical analysis using Zukoski's criterion. 

L. 



/3 / 6 It can indeed be questioned whether Zukoski's criterion should be applied to the present situation. 
The sensitivity of separation criteria to different dynamic conditions imposed on the boundary layers on 
boattails with considerable adverse pressure gradients has not been sufficiently clarified. 

4.4   Plume Simulation 

In the design and development of afterbody-base-nozzle configurations,  it is desirable but often 
not possible to investigate experimentally prototype systems with the actual or a simulated propulsive- 
nozzle flow having the proper value of the ratio of specific heats.    To simulate the effects of the 
plume on the afterbody-base flow, model studies are often conducted with cold air flow and a model of 
the prototype system, with solid-body plume simulators, with radial jet simulators, etc.; the principal 
disadvantage of these techniques is that the correspondence and relationship between the behavior of 
the model and the prototype systems are not always obvious or well understood. 

V 

An analytical method to determine geometrically and dynamically similar plumes for the purpose of 
experimental simulations has recently been developed by Korst [27]. The computer program, TSAEPP-3, 
has been utilized to conduct numerical computational experiments for evaluating the merits of different 
simulation techniques. 

Figure 23 compares the base pressure characteristics for prototype configurations (M  =2.5, 
Y, = 1.2, Bj  = 0, 7.5, 15°), for the prototype configurations operated with air (f. = l.V), and tor 
the simulated configurations ("y. = I.1*, M  and ß  varied). The simulated configurations were based 
on a model law simulating the plume surface Mach m 
used in this study. 

3        vdrxeiw.      me  äxuiuxateu   uuuxx^LU'd Lxuiiö  wert: udätsu 
number; TABLE 3 contains the simulated configurations 

5.    CONCLUSIONS 

A computer program has been developed for the quantitative analysis of a large variety of propul- 
sion problems involving jet-slipstream interactions. 

Based on the Chaproan-Korst flow model for base flows, this program has considerable flexibility 
inasmuch as it can synthesize both simple, and if needed, more complicated flow components. 

Aside from its utilization for preliminary design and the prediction of performance characteristics 
it can also serve as a tool for carrying out numerical computational experiments.    When compared to 
wind-tunnel and free-flight tests, much insight can be gained into the physical nature of the flow pro- 
cesses and the adequacy of simplifying assumptions included in the components of the model.    In addi- 
tion, the computer program can also be used to explore the merits of proposed component refinements and 
identify areas in which additional critical experimentation is still needed. 
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Table 2    Parametric Study of the Base-Pressure 
Problem with a Conical Afterbody [24] 
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Y 
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H 

X 

I 

ß (degrees) 

l.U 

53,35 
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1.4 

53.35 

2.5 

2.0 

0.5 

0.0 

(2E) (IE) 

0.0 

1.0 

2.0 

ToB = 1, F   = 0, r = 1.0,  Bo  = 0 o r as noted. 
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HffiDICTION CF BUFFET ON-SET FOR AIRCRAFT - 
RECENT PROGRESS IN WIND TUNNEL - FLIGHT TEST DATA CORRELATION 

R. C. McWherter» 
LTV Aerospace Corporation 

Dallas, Texas USA 

1+-! 

StWMARY 

A review was conducted of significant problems and progress with buffet prediction and experiences since 
the Wright Brothers airplane.    Interestingly enough, probably the earliest pilot remarks concerning buffet 
were made by Wilbur Wright in 1903 vhen he reported a "tapping" from the structure prior to a "stall", a 
word which he coined. 

Presented and analyzed are results reported from USAF-sponsored studies on the T-h airplane and an LTV pro- 
gram on the F-8 airplane plus some unpublished LTV data on the A-7 airplane.    It is noteworthy that the 
successful prediction of buffet from wind tunnel testing almost requires a knowledge of the answer in 
order to determine which of 3 main wind tunnel techniques is most successful.    Recent work from Great 
Britain is examined to help determine the capability of the LTV It-foot transonic wind tunnel to predict 
buffet on-set. 

Diagnostic data on wind tunnel flow is examined to single-out what property or properties are necessary 
to obtain repeatable, sensible buffet on-set predictions from model testing.    An obvious deduction from 
this examination is that 2 flow properties emerge which distinguish "good" tunnels from "bad" tunnels 
insofar as buffet measurement is concerned - (l) the static pressure fluctuation level in the test section 
must be relatively low  (relative to tunnels known as "acceptable") and (2) the frequency at which pressure 
fluctuations are highest should not be close to test model natural frequencies. 

About 2 years ago a modification to the LTV U-foot wind tunnel was commenced and the program was completed 
early in 1972.    This modification rtsulted in a reduction in stilling chamber pressure fluctuation level 
by a factor of almost 10.    Test model results "before and after" are presented.    Probably for the first 
time, wing root bending buffet measurements are obtained from a blowdown wind tunnel which are satisfactory 
to be analyzed.    Comparisons with flight test data also are made.    One further modification is described 
which will complete the program. 

NOTATION 

WRB - Wing root bending moment, inch-pounds 
q - Dynamic pressure, foot-pounds 
CL - Lift Coefficient 
H - Altitude, feet 

HZ - Cycles per second 
M - Mach number 
R/L - Reynold's number per foot 
alpha - Angle of attack 

1.    INTRODUCTION 

Since the early days of manned flight, the condition of flying in the presence of unpleasant shaking, 
known as buffet, has been regarded with apprehension.    For many years, buffet served as a distinct warning 
to the pilot of approaching stall.    Most safe airplanes gave this clear warning with increasing amplitude 
as stalled flight was approached.    A "wicked" airplane would fly right up to the stalled angle of attack 
and often flip rapidly to inverted flight. 

Of interest is a quotation from a report by Wilbur Wright on manned glider experiments presented to a 
Chicago meeting of the Western Society of Engineers in June, 1903: 

"On two occasions we observed a phenomenon whose nature we were not able to determine with certainty. 
One day my brother noticed In several glides a peculiar tapping as if some part of the machine were 
loose and flapping.    Careful examination failed to disclose anything about the machine that could 
possibly cause it.    Some weeks later, while I was making a glide, the same peculiar tapping began 
in the midst of a wind gust.    It felt like little waves striking the bottom of a flat-bottomed row- 
boat.    While I was wondering what the cause could be, the machine suddenly, but without any noticeable 
change in Its inclination to the horizon, dropped a distance of nearly ten feet, and in the twinkling 
of an eye was flat on the ground." 

From our vantage point of many years, we would say that Wilbur had simply "stalled" his aircraft, a word 
depicting lack of aerodynamic lift coined in 1903 by Wilbur himself.    The unusual "tapping" or "waves 
striking" words probably describe for tne first time the phenomenon we know as buffet. 

"Buf-fet - vt 1: to strike with or as if with the hand    2a: to strike repeatedly:    BATTER b: to contend 
against vl 1: STRIVE, CONTEND 2:  to make one's way especially under difficult conditions." (Webster's 
Seventh New Collegiate Dictionary, 1965). 

Examining the definition of the word "buffet" above, one wonders which particular description the person 
had in mind who first namei the phenomenon.    Modern high performance aircraft exhibit several forms of 
buffet unknown in the early days;  such as gear and flap deployment,  shock induced separation and reattach- 
ment, control system resonant response, etc.    Recently, considerable attention has been given to transonic 
maneuvering buffet which tends to reduce combat efficiency of attack and fighter aircraft.    In this brief 
report, we are addressing in particular an Improvement in wind tunnel buffet data measurement capability 
due to modifications to the LTV U-foot blowdown transonic-supersonic wind tunnel. 
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2. CURREKT CAIABILITY 

In the late 1960's the United States Air 
Force awarded several R&D contracts to 
major aircraft companies with the objectives 
of (l) procuring good quality flight test 
buffet data at transonic speeds on current 
aircraft and (2) comparing these data with 
results from wind tunnel tests, where avail- 
able, to evaluate the degree of data corre- 
lation (or lack thereof). These results 
are published for the F-^ (reference 1), 
F-105 (reference 2) and F-106 (reference 3) 
airplanes. Many other reports have been 
published both in the USA and Europe on 
analytical and experimental studies. 

A gross summary of the results of ex- 
amining reports plus conversation with 
experts in the field indicates that we can 
generally screen a new configuration in 
certain select wind tunnels and predict 
with fair confidence that our configuration 
should be free from serious buffet problems 
up to some angle of attack. As the con- 
figuration departs from those for which 
wind tunnel and flight test data exist, the 
ability to prognosticate with confidence 
deteriorates rapidly. What is needed is 
wind tunnel buffet data on a quality 
similar to that available for routine lift, 
drag, and pitching moment for "static" tests 
at fixed angle of attack. 

3. ANALYSIS 

Suppose that we examine some of the pub- 
lished flight test data on the 7-U  air- 
plane from reference 1. Notice in figure 
3.1 that we have a fairly clean break point 
based on measured wing bending moment at 
Mach 0.81 and 35,000 feet. Actually the 
pilot reported buffet on-set about 1 de- 
gree alpha before the wing bending moment 
break. Oddly enough a subsequent test on 
the same aircraft-type to evaluate the 
effect of maneuvering slats showed measured 
buffet on-set about 3 degrees before the 
pilot report. 

Figure 3.2 from reference 1 shows the 
results from 3 different means of flight 
measurement on buffet on-set. Wing 
Ijendlng moment (WBM), as noted before, 
usually gives a buffet on-set prediction 
after separation has taken place and 
reached a level sufficient to change the 
normal background level of the airframe. 
Since the pilot's sensitive "seat" has 
already alerted hira to buffet, the sig- 
nal from the wing bending moment measure- 
ments must be either submerged in the 
background level or absorbed in structural 
damping. Wing tip aecelermoter (WTA) 
measurements give probably the best in- 
dication of initial separation - about 2 
degrees in angle of attack before pilot 
response. Lastly, the outer wing panel 
(CWP) static pressure tap gave a good 
indication of initial wing flow separa- 
tion similar to that from wing tip 
aecelermoter. We see that the 3 tech- 
niques bracket the pilot response, at 
least for the F-U airplane used in these 
tests. 

A comparison of the flight test results 
and wind tunnel tests with Mach number 
again from reference 1 shows that adequate 
prediction of airflow separation is avail- 
able from measurements of outer wing static 
pressure coefficient data (figure 3.3) *nd 
from wing tip accelerometer measurements 
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(figure 3.k)  on the model. Measure- 
ment of wing root bending moment 
variation (figure 3.5) showed poorer 
comparison particularly at lower 
Mach numbers. Interestingly, from 
figure 3,3 the wind tunnel measure- 
ment of the outer wing static pres- 
sure coefficient behavior at the 
80^ spanwise position correlated 
almost exactly with flight measure- 
ments at the 86^ spanwise location. 
Note in figure 3.3 that the pressure 
data from the 90^ b/2 spanwise model 
tap, however, was not so good. 

For the F-U flight test and wind 
tunnel data comparisons of reference 
1, no comparison was made of pilot's 
report of buffet on-set with Mach 
number with data from the various 
wind tunnel methods. Since both 
initial on-set and allowable pene- 
tration are important parameters, 
some combination of these measure- 
ment techniques is needed to predict 
aircraft performance from wind 
tunnel testing. 

Presented in figure 3,6  is a comparison 
of Flight Test Buffet data on the F-8 
airplane with wind tunnel data from 
NASA-Langley (reference h).    Notice that 
wing bending moment RMS buffet pre- 
diction data from the NASA-Langley 
facility showed good agreement with 
flight data based on + 0.05g normal 
acceleration measured at the airplane 
center of gravity (eg). Instrumentation 
at the pilot's seat for the F-8 airplane 
generally gave a buffet on-set prediction, 
based on + 0.05g instrumentation reading, 
about 1^- degrees alpha above the data 
read at the center of gravity. This 
probably represents structural damping 
between the center of gravity and the 
pilot station which is several feet for- 
ward of the e.g. 

In summary, then, correlation between 
flight and wind tunnel data is fair at best. 
Measurements of wing static pressure dis- 
tribution is needed to provide forcing 
functions to the structure. Also not only 
is the location of initial separation 
needed but also the manner in which it 
spreads. At the present time one almost 
needs to know the performance of the actual 
aircraft before he can pick the proper wind 
tunnel tests for best correlation. For new 
configurations we are heavily dependent 
upon results from wind tunnel tests to pro- 
vide us with some knowledge of buffet on- 
set. Most Investigators agree that at 
least 2 of the several types of wind tunnel 
data available should be used to guide 
buffet prediction. Generally these are 
wing root bending combined with either 
trailing edge pressures or wing tip accel- 
eroraeters. From the wind tunnel standpoint, 
flow quality must be adequate to produce 
repeatable measurements without "contamina- 
tion" from wind tunnel flow disturbances. 
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k.    WIND TUNNEL FLOW DIAGNOSIS 

Most wind tunnel buffet data measurements are 
made using a Root Mean Square (RMS) signal 
converter which produces a DC-type signal 
representative of the oscillatory energy con- 
tent.    Since the measurement produced by the 
RMS converter represents a standard deviation- 
type operation, the contribution of a discrete 
signal somewhat above the noise level will be 
considerably enhanced.    Conversely, a low- 
level signal can be obscured if the noise level 
Is high. 

In modern blowdown wind tunnels, the noise 
level due to turbulence, acoustics, vorticity, 
and vibration is quite high.    Consequently most 
"acceptable" buffet wind tunnel data has been 
obtained from large, continuous flow transonic 
facilities, such as at NASA-Langley and the 
Cornel.. Aero Lab where the background noise 
level has been regarded as low in comparison to 
blowdown wind tunnels. 

In our case at LTV, we made a serious effort to 
procure good quality buffet data from our It- 
foot blowdown wind tunnel in 1968 with poor to 
modest success.    The same models were tested at 
NASA-Langley and Cornell to get data that 
would be accepted by the technical conmunity. 
Careful examination of these data revealed some 
significant information which led us to a course 
of action designed to enhance   ur buffet mea- 
surement ability in the LTV U-foot transonic 
wind tunnel. 

First we examined the stilting chamber pressure 
unsteadiness as a function of frequency.    Note in 
figure U.l from reference Z thai the pressure 
fluctuations in the range of frequencies from 
0.1 to 1.0 KHZ (1,000 cycles per second) are as 
much as 10 times as high as tho-?0 in the range 
1.0 to 10 KHZ.    For mode's of a size and 
strength to be tested in the LTV U-foot wind 
tunnel, the wing first a.ode natural frequency 
in bending generally is from 0.1 to O.U KHZ. 
Since the wing will al o respond to buffet in 
this frequency range, we needed a modification 
to the facility to reduce the fluctuating 
pressure magnitude in general and in this fre- 
quency band in particular. 
Shown in figure U.l is the 
pressure fluctuation trace 
from the modified tunnel 
which will be explained in 
the next section. 

Presented In figure U.S from 
reference 5 is the ITV tunnel 
variation of test section 
static pressure fluctuation 
with Mach number compared 
with data from other facili- 
ties.    Again these measure- 
ments Illustrate the problem 
that we needed to solve In 
order to get background fx- 
citation suitably low to 
produce acceptable buffe': 
data. 
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5. TUNNEL IMPROVBMENT 

Figure 5.1 shows the LTV It- 
foot tunnel pressure regula- 
tion system after modifica- 
tion. A discussion of the 
modification may be found 
in reference 5. Essentially 
the flow from the high 
pressure reservior formerly 
was reduced from 600 psig to 
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25 psig by means of a regulator valve, 
several flow stabilizers and a series of 
wire grids.    The modification consisted of 
inserting h perforated plates in place of 
the stabilizers which produced the required 
pressure drop by means of choked orifices so 
that the radiating intense shock system is 
eliminated.    The dramatic reduction in the 
stilling chamber fluctuating pressure level 
may be seen in figure U.l.    Presented in 
figure 5.2 is a comparison of test section 
pressure fluctuation variation with Mach 
number before and after modification. 
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means of data presentation which established 0 
in a general way the ability of specified   i 
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Aero Lab and NASA-Langley.    LTV data prior 
to modification was meaningless and is not 
presented.    Dita from the revised LTV 
tunnel shows that the background level is 
twice that of NASA-Iangley and nearly 3 
times that of fornell.    The same model 
and instrumentation was used for all tests. 

Analysis of the 3 sets of data indicatas 
that buffet on set should be at 7.2 de- 
grees alpha (NASA-Langley), 7.> degrees 
alpha (Cornell) and 10.6 degrees alpha 
(LTV.     Indicated by an arrow on the plot 
is a buffet on-set angle of 6,7 degrees 
alpha from flight test (reference U). 
The rather linearly increasing pressure 
fluctuation trend with ungle of attack 
from the LTV test f.s compared with the 
other 2 data sets c-v pled with a strange 
little "hook" just before obvious buffet 
was verified by repeated measurements. 
It seems fairly obvious that initial 
buffet on-set data from the LTV tunnel is 
still submerged in the tunnel background 
level, at least for the F-8 model and at 
this Mach number.    Thus our capability 

for the LTV facility.    The symbol € used in the expression 
^ 9vF     ^8 derived from characteristics of wind tunnel 

instrumentation.    For further information, see reference 6. 

^ 6.    ANALYSIS CF RESULTS FROM TUNNEL 3MPR0VINENT 

Again with reference to figure 5.3, Mabey's Light Buffet 
Criteria would indicate that we should be able to make 
meaningful buffet measurements in the VAC U-foot tunnel at 
all Mach numbers from 0.6 up to 1.2.    At Mach 0.6, our 
capability would be "marginal" and at Mach 0.7 and above 
"adequate".    Prior to tunnel modification, of course, the 
tunnel capability was "marginal", at best, and generally 
"impossible.1 

Notice the data in figure 6.1 from reference k on the 3% 
scale F-8 Crusader model at Mach 0.725 tested at Cornell 

*\jT\Sbnta* #6* 

i^^^MSA-Langhy 7.2* 

ly\Corn*t/ break 7.6° 

'lJ~f light test 6.7* 
*       e       /z      f6 

atiq/e of at tack ~ ctegrees 
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,+-(, at Mach 0.725, although much improved,  still 
remains "marginal", rather than 'kdequate" as 
predicted by Mabey.    Effects of model support 
and balance flexibility may influence the data 
as much or more than pressure unsteadiness in 
defense of Mabey'a criteria.    From figure 6.2 
ve can see a comparison at Mach 0.927 similar 
to that .lust studied at Mach 0.725.    All 3 
sets of data display similar trends with the 
LTV data again showing a higher initial level. 
Noted «we the deduced buffet on-set "break" 
points along with a point from flight test. 

More recent tests again using the wing root 
bending moment measurement variation were con- 
ducted on a 5^ scale A-7 airplane model both 
in the Cornell tunnel and the LTV wind tunnel. 
Initial results are presented in Figure 6.3 at 
Mach 0.60 and in Figure 6.U at Mach 0.90. 
Shown in Figure 6.3 at Mach 0.60 are filled-in 
points to demonstrate data results before tun- 
nel modifications. Note the interesting "bumjJ' In the 
"before modification" data around 6-degrees 
alpha and the relatively high background level 
combined with a general curved Increase trend 
making discrete "break" point determination 
difficult to assess. 

Also in Figure 6.3, data taken at Cornell on 
the sane model using the same brand name and 

/=£ Mffitf tunnel cfatQ 
Mach a 927 

LTV break SO* 

MSA breotno* 
[ CotneU break Si* 

ifUghttestSS* 
1 L——i        »        1 

A-TMncf tunne/ c/afa 
Mach 0,60 

test/A 4 
f^TrbreaA /a8° 
Cornell break 9.09 

t4.        e        /Z       16       20 
angh of attack ^degrees 

r/6u/ze S.z 
Since Mabeys' light buffet criteria had been 
shown on earlier programs to predict tunnel 
buffet prediction capability quite well, we 
Instituted a search of model, sting, test 
techniques and instrumentation to see what 
might yield an explanation.    The instrument 
that was used at both facilities to produce 
a signal equivalent to the RMS perturbation 
level depended on heating a wire with the un- 
known AC signal (thus performing an inte- 
gration function) and sensing the integrated 
temperature of that wire and heating a similar 
wire segment to the same temperature with a 
DC power supply.    Thus with suitable cali- 
bration, one can produce a reading equivalent 
to the RMS signal fluctuation. 

Now to make meaningful comparisons from tun- 
nels that operate at different dynamic 
pressure levels the wing root bending moment 
RMS signal was normalized by dividing by the 
tunnel dynamic pressure.    This approach had 
been shown to be satisfactory by previous 
experience.    Hence a low level signal from 
the Cornell tunnel where the dynwnic pressure 

t Q 17.       16        20 
angle of aitack~degrees 

and type of instrumentation showed low 
background level followed by a reasonably 
distinct break which would yield a 
buffet on-set point of about 9-degrees 
alpha, depending somewhat on the "inde- 
pendence" of the evaluator. 

To our disappointment a repeat of the A-7 
test at Mach 0.60 shown In Figure 6.3 In 
our modified wind tunnel showed marked 
Improvement, but not to the degree antic- 
ipated from tunnel flow analysis. Re- 
member that figure 5.2 had shown that 
the tunnel pressure fluctuation levels 
on the wall at Cornell and at LTV matched 
quite well at all Mach numbers from 0.6 
to 1.2. Also we were using the same 
model and the same brand-name instru- 
mentation. 

4-7/•/W tunnel data 
Mach 0,90 

LTV break 9.Z 

rnell break 72 
■ *- 

if       e      /z     /s      20 
angle of attack* cfegrees 
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was about 700 PSF would compare with a signal 
of higher level from the LTV tunnel where the 
dynamic pressure was about 1200 PSF.    Since 
these Instruments oust cover a large range to 
measure from a low background level up to a 
heavy response at high angles of attack, 
often It Is necessary to change sensitivity 
range during the test, not generally a de- 
sirable condition. 

RMS Meter 
Cafi oration 

In the calibration laboratory an Interesting 
phenomenen was observed (predicted by the 
manufacturer).    The instrument calibration 
produced data as indicated in Figure 6.5. 

When the instrument was operated below 10^ 
full scale output, the output reading in 
volts RMS would often vary considerably even 
though the higher level calibration remained 
good.    Hence our postulate - due to lower level 
excitation below the buffet level at Cornell, 
"could we be operating in a possible lower- 
than-normal reading mode even though the in- 
strument calibrated o.k. at higher levels?" 
Fortunately we had an opportunity to check 
the postulatlon in a subsequent A-7 entry in 
the Cornell tunnel.    With their full coopera- 
tion we were able for sure this time to test 
the same model, same balance, and same instru- 
mentation to determine if we obtained the 
sane buffet data from both the modified LTV 
tunnel and the Cornell wind tunnel.  All mea- 
surements covered the frequency band from 1 to 
1,000 Hertz. 

*-lMnd TUnne/ dala 
Wach 0.60 

out- 
put 

14-7 

scatter banal 
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FIGURE 6.6 
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FIGURE   6,g 

The results are presented in figure 6.6 
for Mach 0.6 in both tunnels.    Time did 
not permit the desired point density in 
the LTV tunnel, but the agreement be- 
tween the 2 facilities was regarded as 
excellent considering the general 
character of all buffet wind tunnel data. 
Figure 6.7 demonstrates the same testing 
for Mach 0.9 

7.    ANOTHER MODIFICATION 

We have conjectured that our treatment 
to the LTV wind tunnel has reduced the 
background noise level due to normal 
pressure fluctuations about as low as 
practical.    And yet we still show a 
measured background level on the model 
higher than might be expected.     If the 
model excitation is produced by pressure 
fluctuations only,  it must be generated 
by tlmewlse variations in dynamic pres- 
sure.    Suppose, however, 

4.7 wnci faun 4 f dotci 
Mach o,QO 

that all of our treatment to reduce turbulence 
and acoustic effects have produced little re- 
duction in free stream vorticlty. If this is 
the case, the effect of timewise vorticlty 
variation on the model would appear as a varia- 
tion in angle of attack and the effect would 
be more pronounced than a variation in dynamic 
pressure. 

Accordingly we have ordered aluminum honeycomb 
material with cell dimensions of i-inch square 
and 6-inches in depth. This honeycomb has been 
installed In the tunnel chamber (lU-feet in 
diameter) and should have the effect of dras- 
tically reducing any free stream vorticlty. tf 3 /2.        /6        7LO 

angte of attack** c/egteas 

F/6(y*£ 6*7 
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8. CONCLUSIONS 

(1) The LTV It-foot blowdown wind tunnel can produce satisfactory buffet-on-set data with the tunnel 
modified to reduce the background pressure fluctuations. 

(2) For the F-8 airplane at Mach 0,723 and Mach 0.90, buffet on-set predictions from 3 different 
wind tunnels was less than that predicted from flight test although the Cornell and NASA-Langley 
data is reasonable. 

(3) For the case of the A-7 airplane at Mach 0.60, the buffet on-set predictions from both the 
Cornell and LTV tunnels is satisfactory.    Agreement of data from the 2 tunnels in the buffet 
penetration area also Is regarded as good. 

(k)   Extreme care must be exercised in modeling, testing and interpretation of instrumentation results 
to yield satisfactory buffet-on-set wind tunnel data. 

(5)    In this Instance the technique propounded by Mabey in reference 6 was of great value in guiding 
our tunnel flow Improvement program. 
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SUMMARY 

Airframe-propulslon system integration plays an Important part  in the determination of aircraft 
performance.    Considering range as the key measure of aircraft performance,  there are several para- 
meters which may be influenced significantly by the design and operation of  the inlet/exhaust  system, 
namely thrust, weight,  lift,  and drag.     The primary consideration of this paper  is  the Influence 
of propulsion systan Installation on aircraft drag.    Using information from several recent   investi- 
gations,  different aspects of airframe propulsion integration are explored,  each of which affects 
the assessment of aircraft drag.    A great deal of apparently conflicting data has been generated 
on alrframe-propulsion integration simply because the investigators concerned with different aspects 
of a system development have not properly integrated their own efforts  to assure that  theoretical 
analysis methods are consistent with wind  tunnel  test methods,  that the test models are consistent 
with each other, and that adequate corrections  for the effect of model mounting systems can be made. 
Even rather small Inconsistencies in just a few of these considerations may result  in errors of suffici- 
ent magnitude to affect aircraft design decisions adversely.    A major part of  the difficulty of 
making an accurate assessment of inlet/aftbody nozzle effect on aircraft drag  Is the prediction of 
flight performance from wind tunnel test data.     Early system development should be studied care- 
fully  to assure that  the program of alrframe-propulsion Integration and  the demands on propulsion re- 
lated drag assessment are consistent with drag estimate accuracy for the airframe. 
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List of Symbols 

s 

AMAX 
A Ik 

o    c 
A/B 

c 

CT 

AFT 

Area 

Aftbody or nozzle maximum projected area 

Inlet mass flow ratio 

Afterburning or reheat condition 

Chord length 

Lift coefficient  L/q S„ 
o W 

as Airplane drag coefficient D/q S 

D/q A^, 
o c 

as Inlet drag coefficient 

as Nozzle drag coefficient   D/q A^ 

Aftbody/nozzle (afterbody) drag coefficient D/q A^ 

Nozzle drag coefficient D/q S 

Noz zle integrated pressure drag coefficient    D/q \,Av 

Total aftbody/nozzle  (afterbody)   drag  coefficient    D/q S 

Pressure coefficient  (p-p  )/q 
o      o 

d Diameter 

D Drag 

D Nozzle diameter 

F Force 

w Cowl Suction parameter 

■ «VKlVW805 

"">^; 

f2(Ao/Ac) Mass flow parameter 

= A /A M (A /A,.)/(A/AJ 
octet     * 

F.S. Fuselage station 

IN Inches 

L Lift 

L.i Length 

M Mach No. 

NPR Nozzle Pressure ratio, P_ /? • P^ /P 
rj       'j 0 

P Static pressure 

\ 
Exhaust jet total pressure 

1 Dynamic pressure 

Re Reynolds No. 

S Nozzle spacing (centerllne to centerllne) 

SFC Specific fule consumption 

sw Wing area 

t Thickness 

w Weight 

X Length 

a Airplane angle-of-attack 

A Incremental value or difference 

a Standard deviation 

Temperature ratio  (T /518.7 R) 

Ramp angle 

Subscript: 

A aftbody 

aero. Denotes Aerodynamic Force and 
Moment Model flow-through 
conditions 

bal. Force balance measurement 

c Capture 

e Exit 

E Engine 

F.C. Fixed Capture 

MAX Maximum value 

MIN Minimum value 

N Nozzle 

o Freestream conditions 

RMS Root mean square 

t Throat 

T Total 

TOT Total of ramp plus cowl 

V.C. Variable capture 

* Sonic   conditions 

2 Compressor  face station 

• 
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1.0    Introduction 

In recent  years,   the development of advanced aircraft  has  forced  the consideration of airframe- 
propulslon system integration into a position of increased prominence.    Earlier development pi is 
worked around  these problems with reasonable effectiveness,  developing an airframe without giv^.g a 
great deal of thought to the engine installation.    The response to the need for high thrust  supersonic 
aircraft and the development of fan engines have, however,  resulted in much larger engines which process 
relatively larger stream tubes of air,  thus impacting the total aircraft flow field and total aircraft 
performance with much greater significance. 

I&-3- 

As suggested in Reference 1, (see 
Figure 1-1) an increase in the ratio of 
inlet capture area to airplane surface area 
(A /A    .) has typically been associated 

c wetted 
with decreased performance in terms of the 
range factor,M(L/D)/(SFC#J). In spite of 
the fact that the uninstalled specific fuel 
comsumption (SFC) of engines tends to decrease 
in the more recently developed high-flow- 
ing engines, the range factor does not im- 
prove.  This trend - especially in the case of 
successive models of the same basic aircraft- 
can be ascribed to increased propulsion install- 
ation losses. 

t) 
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SUBSONIC CRUISE PERFORMANCE TRENDS 
Figur« 1-1 

Unfortunately, there has not been a great deal of refinement of the techniques for accomplishing 
efficient engine/airframe integration in the design of high performance aircraft. Aircraft designers 
and developers have been slow to respond to the full potential of the increasing impact of propulsion 
integration on performance because of its complexity.  Yet this total design capability is becoming in- 
creasingly more important to the types of aircraft being conceived.  Better understanding of these effects 
and their susceptibility to improved design is essential to facilitate the proper allocation of resources 
during design development.  Furthermore, it is necessary to have some means of tracing the progress of 
all of the different elements of an aircraft design during development to assure satisfactory conclusion 
of the total program. 

It is generally agreed that airframe-propulsion integration plays a significant role in the total 
performance of an aircraft.  On the other hand, much confusion exists concerning its magnitude. At times 
it seems to serve as  a type of "catch-all" for unresolved performance problems. This tendency is under- 
standable because the development of an aircraft system virtually always Includes a number of experimental 
tests to determine aircraft drag polars and engine thrust over a wide range of operating conditions.  If 
an aircraft then fails to meet estimated levels of performance, it is quite natural for the interface 
between the aerodynamics and propulsion disciplines to emerge as the "accepted" problem area.  In actuality, 
the performance decrement is most likely distributed over a rather wide range of problems which embraces 
several aspects of both aerodynamics and propulsion.  These contributions also probably vary widely among 
different aircraft designs. 

The objective of this paper is more to provide direction than to quantify the assessment of inlet 
and nozzle performance on total aircraft drag.  It intends to provide observations about force account- 
ing systems, experimental techniques, theoretical analysis methods, recent test results and wind tunnel/ 
flight data comparisons which should be of use in making such an assessment. When working on the air- 
frame-propulsion integration problem, it must be kept in mind that the ultimate objective of development 
effort must be to improve overall aircraft performance - not Just reduce its drag. If, for instance, 
range is selected as the basic figure of merit for an aircraft, several other parameters come into play 
due to their direct effect on range (R): 

R - f (weight, thrust, SFC, Lift, Drag). 

The design of inlet and nozzle systems Is involved to some degree in each of the above parameters;therefore, 
the Improvement of an inlet or nozzle design in one area may work to the detriment of the total system 
performance due to its adverse impact on other important performance parameters. For the purpose of this 
paper, the primary concern is aircraft drag, but some other parameters of particular Interest (such as lift) 
will also be mentioned and it should further be kept in mind thst perturbations in inlet and/or aftbody/ 
nozzle design may have a significant effect on one or more other parameters at the same time. 

2.0 Force Accounting System 

The combined objective of all aircraft research and development effort is to produce a system which 
couples high performance with low cost.  In order to realize this objective, it is highly desirable to 
have the ability from the early stages of development to predict the system performance accurately and 
identify the contributions of each subelement to that level of performance. A type of bookkeeping system 
is therefore required which facilitates this type of system and subsystem growth "visibility" throughout 
the development process.  It Is necessary to pay particularly close attention to the propulsion interference 
forces to be certain that they are all properly included in the performance "stack-up". 
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Performance estimates must be 
accomplished for all of the various 
pieces of a mission scenario, but usually 
the most critical parts as far as range 
Is concerned are the cruise conditions. 
Early performance calculations are generated 
from a mixture of theoretical analysis 
and experimental data adaptations which 
result In estimates which are crude, but 
which establish the foundation for later 
development. Reference 2 (Figure 2-1) 
points out a typical technique employed 
early In aircraft development.  In this 
method, the profile drag of a particular 
aircraft design Is determined by per- 
forming the drag calculation for an axl- 
symmetric fuselage of equivalent cross 
section distribution with friction drag 
calculated for the proper amount of 
wetted area surface.  This equivalent 
body may be extended in length to assure 
absence of large areas of separation 
ahead of the base region.  Special after- 
body tests using both the reference after- 
body and the real afterbody shape with jet 
effects generate the only experimental 
data taken specifically for this phase 
of the development.  In this particular 
case, inlet operation corrections to the 
drag are presumably made by means of simple 
theoretical analysis or semi-empirical 
techniques utilizing existing data. 

AXISYM-  REFERENCE 
! METRIC  AFTBOOYl 

ROUGHNESS 
INTERFERENCE ETC. 

PROFILE DRAG 

■««.H,.±r„.W ■"MAX 

INLET DRAG 

OTHER DRAG 

INCREMENTAL AFTBOOY 
DRAG(PRESSURE. 

FRBTIONJET EFFECT 
THRUSf EFFECT 

ACP 

I 
CORRECTION FOR aC, 

T 
M. 

AFTERBODY PRESS. DRAG 
JET INTERFERENCE 
THRUST EFFECT 

PRELIMINARY PERFORMANCE ESTIMATE PROCEDURE 
Figure 2-1 

Later development and its associated performance estimates rely much more heavily on sophisticated 
wind tunnel test data; consequently, additional constraints must be placed on the force accounting system 
in order for it to be adequate to Integrate both types of performance subelements.  The force account- 
ing system should, of course, be consistent from the early to the later performance estimates in order to 
provide a rational basis of comparison between the two levels of development. Many times, however, the 
degree of foresight during the time of concept formulation and early development is not sufficient to 
provide for such consistency. When this happens, the bookkeeping system is almost always revised as 
necessary to make it consistent with the sophisticated wind tunnel test techniques to be employed and to 
facilitate the extrapolation of that data to a flight performance condition as efficiently as possible. 
The basic problem is illustrated in Figure 2-2 where it is seen that the task is to generate a C versus 
C_ curve for an aerodynamic force and moment model and apply the corrections shown in the figure In 
order to generate the correct drag polar for an aircraft at flight conditions.  Using the simplified 
condition where the engine thrust is parallel to the line of flight, the forces acting on an aircraft in 
straight and level flight (arbitrary thrust setting) can be expressed by the simple equation: 

Ftotal " FN + Daero + ADlnlet + ADexhaust + ADRe + ADprotub. 

Where: 
Fj,    -    Installed engine thrust including effects of inlet pressure recovery and 

distortion.  Internal nozzle performance,  and power extraction. 

Daero.    "    Airplane exterior friction and pressure drag plus additive drag of the 
air entering the inlet. 

ADinlet    "    All drag Increments between the Daero-   configuration and a model which repro- 
duces the range of inlet mass flow ratios and all other inlet-related flows 
(bleed and by-pass). 

ADexhaust 

ADRe 

&Dprotub. 

» All drag Increments between the Daero, configuration and a model which 
reproduces the real aftbody/nozzle geometry, flowfields, and critical 
operating parameters. 

- Drag correction due to Reynolds Number effect 

■ Drag correction due to excrescence, ije. , roughness, protuberance, leakage,etc. 

AS-V 
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DISTORTED AFT-END WITH STING 

AERODtNANIC 
FORCE A MOMENT 
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V 
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o REYNOLDS NUMBER —a^, 
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CORRECT AFT-END 

AIRCRAFT 

WIND TUNNEL DRAG POLAR CORRECTIONS 
Figur«   2-2 

The above equation shows  the basic  types of  increments Involved  in the determination of aircraft perform- 
ance and Figure 2-3 shows  the  types of models and corrections made  in a  typical  force accounting system. 
Division of  the forces may vary somewhat  from that  illustrated according to particular system or develop- 
ment requirements.    In the Figure shown,  three basic models are employed to generate Daero>  ADiniet.   and 
""exhaust• 
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/^ 
_ /,      The first model shown Is the Aerodynamic Force and Moment model.  It is from this model that the left- 

hand drag polar in Figure 2-2 is formed.  Using this model, Daero in the equation above is calfulated by 
subtracting the sting mount effect and the engine stream tube momentum loss from the force balance measure- 
ment : 

2 
Daero = Fbal + [(Pe>aero - Po) Ae>aero + Pe>aero 

ve .aero Ae.aero - PovoAo,aero]-ADstlng 

In the accounting system of Figure 2-3, the correction for sting mount effects (ADsting) Is taken from a 
Jet  Effects model (described later), but it is possible (as Indicated in Reference 2) to obtain this 
correction from the Aerodynamic Force and Moment (F & M) model. 

A 

Next,  an inlet  drag model  is  usually employed. 
It   is  the purpose of  the Inlet  drag model  to determine 
the change in inlet  drag  from the Aerodynamic F & M 
model  to the desired reference and/or aircraft  operating 
condition.     The increment  thus measured  is ADj^gt-  in 
the  Ftotal equation.     Inlet  drag models  can be built 
in  larger scale than the Aerodynamic F & M model since 
(as  Illustrated)   they normally  involve duplication 
of only the forebody portion of  the airframe.     This 
larger scale is usually required  to obtain better dupli- 
cation of important  inlet  flow phenomena such as 
boundary  layer bleed  flow and as a consequence,  generate 
a more accurate measure of  the drag with variations in 
inlet  mass  flow ratio  (Figure 2-4).     Note that  the 
point  in the Figure identified as  "INLET DRAG MODEL, 
CORRECT GEOMETRY"  includes a correction due  to addit- 
ion of bleed,  bypass,   and/or other model sophistication. 
(The ACp correction  from a simulation of  the Aerodynamic 

o INLET DRAG MODEL .CORRECT GEOMETRY 
Q INLET DRAG MODEL.AERO. F1 M GEOMETRY 

SIMULATION 

AC0TO PROPULSION 
INTERFERENCE DRAC 

AC0 TO AERO. DRAG 

C0 LEVEL MEASURED   OP 
0NAER0F4M Ao/ 
MODEL 

INLET DRAG CORRECTIONS 
Fiflur« 2-4 

F & M to the Inlet Drag model at the reference mass flow ratio is applied as a correction to the aero- 
dynamic drag polar. Additional changes due to mass flow variations are included as a part of the 
Propulsion System Interference drag.)  It is assumed in some inlet drag tests that the only effect of 
great importance is the effect of mass flow ratio on the inlet drag level.  The result of such an assumption 
leads to isolated drag tests of the inlet.  Actually, the forebody affects the inlet flow field and, as 
illustrated in Figure 2-5, the level of inlet drag can be affected measurably by the degree of simulation 
of Its presence.  Furthermore, Figure 2-6 shows that there may be an effect of the inlet mass flow varia- 
tion on forebody drag and lift as well. The side-mounted, vertical ramp inlets used in the Illustrated 
test should inherently exhibit little of the sensitivity shown. Other designs incorporating horizontal 
ramp Inlets and/or shielded Inlets should show a greater sensitivity. Therefore, the accuracy required 
of inlet drag test data may make it aecessary to provide multi-component force measurements on both the 
inlet and forebody over a wide range of inlet mass flows.  (Additional note should be taken at this point 
that the inlet and its operation is becoming more important not only to aircraft drag, but also to its lift. 
Space does not permit a separate examination of inlet lift, but suffice it to say that Its magnitude in 
many designs is sufficient that It should be Included as a design consideration and accounted for in the 
calculation of system performance.) 
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The third model required for an accurate performance assessment may be referred to as the Jet Effects 
model.  One of the corrections made with this model (as previously noted) is the change In the Aerodynamic 
F & M model drag due to the presence of the sting and the distortion in the aircraft lines to accomodate 
the sting.  This incremental drag is usually determined experimentally by using models as shown in Figure 2-7. 
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The entire model is mounted on a strut with the afterbody forces measured by a force balance.  The Inlets 
are faired over and the exhaust nozzle flow is supplied by pressurized gas which enters the model through 
the strut mount.  This gas is driven at a pressure determined by the level of PTi/P desired.  The horizontal 
and vertical tail need not be attached to the balance, but should be on the model.  In this way, the balance 
can be given additional sensitivity without losing empenage effects.  In Figure 2-7a the model is tested in 
an Aftbody/Nozzle Reference Drag Configuration to determine the drag of the distorted afterbody in the 
presence of the dummy sting with the nozzle flow simulating that of the Aerodynamic F & M model. Another 
drag value is determined using the Aftbody/Nozzle Propulsion Baseline Configuration (Figure 2-7b) which 
has the correct afterbody lines except for the nozzles, which are the same as or similar to the reference 
drag model, being cylindrical in shape to prevent local flow separation.  The drag increment determined 
from these tests (ADsting in the Daero equation) is normally applied to the aerodynamic drag polar. Assuming 
that the preceding drag Incrr.ment Is applied to the drag polar, then the influence of aftbody/nozzle per- 
formance on installed thrust remains to be determined. Another aftbody/nozzle configuration (Propulsion 
Simulation) shown In Figure 2-7c is then used to determine the thrust and aftbody/nozzle drag for the 
actual aircraft lines with the nozzle flow simulating flight conditions.  If there is no influence on 
the Internal nozzle flow by the external flow, then the change In drag on the aftbody/nozzle is the total 
incremental force (ADexhaust in the Ftotal equation) that Is needed to correct the installed engine per- 
formance.  If, h.-vever, the external flow does affect the internal nozzle flow, then a change in thrust 
must be determined.  This is normally accomplished by measuring the thrust of the noz?Le at static con- 
ditions (no external flow) and at flight conditions, for the samt nozzle pressure ratio (NPR).  The total 
Incremental force then consists of a change in aftbody/nozzle drag plus a change in thrust. 

In summary, there are basically two incremental force values that normally have to be determined 
when assessing the Influence of aftbody/nozzle flow fields on total aircraft performance. One increment 
gives a correction to the basic aerodynamic force data to account for model mounting differences.  The 
other corrects engine thrust from an unlnstalled to an Installed value and accounts for a drag change 
due to model geometrical variations plus a change in engine operating conditions. 

Again note from Figure 2-3 that all effects have been accounted for, with some being included In 
the basic aircraft drag polar at the Aerodynamic F & M model mass flow ratio and others accounted for as 
propulsion system Interference corrections.  If desired, an aircraft operating condition could be chosen 
as a reference condition.  Tn this case, as depicted in Figure 2-8, corrections to the aircraft drag 
polar would include all of the inlet and aftbody/nozzle drag corrections necessary to make it reflect flight 
conditions at this new reference or "baseline" condition. Operating conditions away from the baseline 
inlet mass flow and exhaust nozzle configuration and pressure ratio would be reflected in the propulsion 
system interference drag.  It has been argued that an accounting system of this type affords better 
"visibility" of the total aircraft development progression. Also, arguments in favor of various Aero- 
dynamic F & M model flow-through conditions may be made, but the Importance of such considerations tends 
to vary with the specific aircraft type and design undergoing development. 
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3.0 Experimental Performance 

The accuracy of any aircraft performance calculation procedure depends upon proper accounting 
of all drag and lift effects, but  it also depends upon the accuracy of  the corrections made. 
This section will be devoted to two aspects of  experimental development, namely the effects  of ex- 
perimental test  techniques  employed,  and effects of design and test variables. 

3.1 Model Mounting Techniques 

It is the goal of any test technique to reproduce the physical flow phenomena of interest and 
provide for a measurement of that phenomena.  The method of test associated with the Section 2.0 
force accounting systems is currently the most widely used system for the development of supersonic 
aircraft (particularly twin-engine types), but is by no means the only one.  The method illustrated 
in Figure 2-3 has several problems of varying Importance. It assumes In the use of an abbreviated 
Inlet Drag model and faired over Inlets in the Jet Effects model, that the efiect of inlet mass flow 
variations are not felt on the aftbody/nozzle region. It further assumes that there is no Interaction 
of the strut and dummy sting when the sting effect is determined on the jet effects model and that the 
strut effect on aftbody forces does not vary from the increment determined at reference conditions. 

One technique employed to eliminate the strut effect on jet effects models has been to use a 
nose mounting svstem where the nose boom reaches far upstream, sometimes to the wind tunnel plenum. 
Figure 3-1. A variation of this technique would extend the nose somewhat and mount this extension 
on a strut far enough upstream to avoid creating major cross section area variations in the region of 
the maximum model cross section area. Figure 3-2. Both of these methods, however, create anomalies 
in fuselage flow fields and boundary layer development which have not been shown to be an improve- 
ment over the effects of typical strut mounts. Another test option for the jet effects model is 
the wing tip mount. Figure 3-3. While a system of this type does eliminate the strut mount, the question 
of the effect of wing distortion (required for passage of nozzle high pressure air) and mounting pylons 
has not yet been determined. Another model mounting system which can be employed makes use of a type 
of sting mount in the Aerodynamic F & M model (Figure 3-4). The dual sting mounts entering the ex- 
haust nozzles require no aft end geometrical distortion of the model and can be used to meter air flow- 
ing through the model inlets. Thus, an Aero. F & M model is created which directly measures the effect 
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of a wide lange of inlet mass flow ratios on total aircraft drag and lift.  Such a model can also 
incorporate a separate inlet balance.  It has been suggested further that the stings of such a model 
could even be used to simulate Jet effects with solid plume boundaries, but this will be discussed in 
the next subsection.  The primary problem with a model of the type described here (in terms of its 
use as a combination Aero. F & M model and Inlet Drag model) would be the reduced inlet scale size for 
the inlet drag data.  In order to have a satisfactory tradr in this area (compared to the conventional 
technique) it would be necessary to build a model large enough to reproduce all of the inlet drag 
effects with reasonable accuracy. 
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3.2    Corrections for Mounting Systems and Test Methods 

In the conventional test method discussed  in Section 2.0,  use was made of a  faired-over  inlet on 
the jet  effects model, with  the attendant  assumption that  there would be no  significant difference in 
aftbody/nozzle drag between the flow-through  inlet and the faired inlet.     The accuracy of this assumption 
tends to be verified at transonic Mach numbers on some aircraft models where,  as  illustrated in 
Figure  3-5,   the difference  in body pressure  coefficients   (ACp)  between faired  inlets and  Inlets flowing 
at a mass  flow ratio of A0/Ac "0.6   (measured at  two different water  lines)  does not appear to extend 
more than a short distance down stream of the inlet.    Figure 3-6,  indicates that reasonably careful fair- 
ing is advisable;  the dead-ended  inletaftbody drag coefficient varies  somewhat  from the values obtained 
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with faired inlets. Supersonlcally, a different trend is indicated in Figure 3-7, where the nacelle 
pressure differences are quite significant.  For this particular installation, perhaps a more signifi- 
cant aspect of the problem is illustrated in Figure 3-8 where the pressure distribution on the hori- 
zontal tail is appreciably altered by inlet flow in supersonic flight, giving rise to entirely differ- 
ent trim drag characteristics.  Effects such as these could give rise to projected flight diecrepancles. 
Wind tunnel data would be projected t i the basis of one aircraft trim condition while flight could re- 
quire an entirely different tail setting. All of these effects are very configuration oriented and the 
exact magnitudes and sensitivities associated with any high performance aircraft design must be deter- 
mined from carefully conceived model tests of that particular configuration.  The supersonic test re- 
sults presented here have been obtained from models with limited pressure instrumentation, i. e., 
insufficient to determine pressure integrated drag levels; consequently, they only serve to identify 
certain problem areas requiring further study. 

Another item of concern in the 
conventional test technique and force 
accounting system Is the previously 
mentioned assumption that strut and 
sting effects can be "corrected out" 
of the data.  In the system previous- 
ly described, there is no actual 
attempt to remove the strut effect 
on drag, but rather it is assumed 
that the strut effect is very nearly 
the same for all of the jet effects 
model configurations and Jet pressure 
ratios.  Since the accounting system 
requires only drag coefficient 
changes, Ac , the actual strut effect 

need not be determined.  If, on the 
other hand, actual aftbody/nozzle 
drag coefficients are required (as 
in a comparison with theoretical 
analysis) some means of removing the 
strut effect must be employed. One 
manner of doing this, shown In 
Figure 3-9, is to provide a test of 
the Jet Effects model supported by 
an alternate strut (dashed lines) 
on the side opposite the primary 
test support position.  Then, a 
dummy strut mount (solid lines - 
primary test support position) is 
also tested simultaneously with the 
alternate strut mount.  The differ- 
ence between these two is a measure 
of the primary strut support effect. 
Figure 3-9 gives the results of such 
tests and shows that in this parti- 
cular case the correction at M -1.2 
is rather large. ü 
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Other experimental investigations have explored 
various aspects of the strut Interference. 
Figure 3-10 indicates that the level of strut 
interference is, in part, dependent upon the aft- 
body rate of closure while Figure 3-11 suggests 
effects due to strut type and relative strut chord 
length.  The biggest problem, however, is one of 
the Interaction of the real mounting system with 
the dummy mounting system in making corrections. 
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An example Is taken from a recent test program involving drag tests of a large-scale super- 
sonic twin engine fighter model (Figure 3-12).  This model incorporates separate force and pressure 
measurements of both fuselage aftbody and nozzle boattail. Most of the tests have been run with 
a strut mounting system, but in order to Isolate the strut effects, a special sting mounting 
system has been devised in a manner similar to that mentioned previously.  In this latter case, 
the model is supported by twin stings which simulate the nozzle plume shape, but do not distort 
the nozzle or aftbody geometry.  In fact, three different sting mounts representative of different 
plume shapes, were tested and the drag difference due to strut Interference measured in each 
case with the result shown in Figure 3-13 and Figure 3-14.  Thls-data is still considered prelim- 
inary, but the trend Illustrated is considered to be valid.  It appears that the strut correction 
changes depending upon the sting being used.  This sting/strut interaction indication suggests that 
the compl^.e removal of strut effects may be extremely difficult, if not impossible.  It also 
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brings   into question the assumption  that  strut  effects on aftbody/nozzle drag remain constant 
./•j^over a wide range of jet  pressure ratios. 
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Before leaving the subject of the nozzle sting mounting system It Is considered worthwhile to con- 
sider some data gathered on other models using this sting mounting technique.  Some of the early work on 
the F-4 (Figure 3-15) Indicated that It might be a useful technique for determining aftbody drag - at 
least at the condition where Pe ■ Po.  However, In another case (Figure 3-16) where conventional jets 
were compared with solid cylindrical plumes, the results showed a rather poor correlation either In a 
cruise configuration or low Mach afterburner configuration. An attempt was made to Improve this basic 
technique by adding annular jets at the exits (Figure 3-17). The results thus far obtained Indicate much 
better agreement with the conventional jet data. 
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3.3 Effects of Design Variables on Performance 

3.3.1 Inlet Design Variables 

With the selection of the force accounting procedure to be used during system development, a 
systematic program can be set up to evaluate inl i component design "ariatlons.  These design evaluations 
are necessary to develop trade off data required tor vehicle design optimization.  This process requires 
a large matrix of drag data as well as other information concerning cost, reliability, and weight. The 
discussions here will concentrate on the Installed inlet drag aspects of the vehicle design, but the 
trade off criteria actually Includes Installed thrust minus drag, which requires the consideration of in- 
let total pressure recovery as well as the drag characteristics.  Any selection process must consider 
these two parameters together. 

V 

^ 

Many test results have shown that appreciable 
flow spillage can be accoraodated transonlcally 
with little drag penalty when the inlet throat 
Mach number is kept high.  This can be accompli- 
shed by means of increasing the compression sur- 
face angles to reduce throat area.  Figure 3-18 
presents typical data obtained from a two dimen- 
sional variable ramp inlet. As can be seen, 
increasing the ramp angle can result in an 
appreciable reduction in inlet drag at a constant 
engine demand.  However, the reduction in throat 
area results In increases in both steady state and 
time variant diffuser exit flow distortion as 
well as a decrease in total pressure recovery 
due to the higher throat Mach numbers. Assuming 
that the distortion generated is within engine 
tolerances, inlet operation at the highest ramp 
angle and lowest drag would be desired.  However, 
for the data presented here, operation at the 
high ramp angle incurs a 3% loss in pressure 
recovery and a 50% reduction in inlet drag. 
Employing the sensitivity factors shown in 
the figure for a typical flight condition, 
it is readily apparent that the loss in pressure 
recovery results in a much larger increase in 
SFC than the benefits reduced drag level can 
offset. At a typical high altitude cruise 
condition, operation at a second ramp angle of 
6 = 15° would result in a 4% loss in SFC, while 

at sea level this would be decreased to approx- 
imately 1% SFC loss.  Operation at some inter- 
mediate condition however, such as 6 =5° would 

be of benefit because there is a substantial 
drag reduction with essentially no loss in pressure 
recovery. 
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Reference 2 attempted to identify inlet design features that might be investigated from the inlet 
drag standpoint. Considerations of Inlet geometry, inlet engine matching, and Inlet installation all 
Impact the drag levels experienced.  Some of this data is incorporated here to Illustrate the significance 
of the force accounting system used. Generally, the first design parameter selected during a system 
development will be the basic inlet geometry to be used, e.g., two dimensional or axlsymmetric. Several 
Investigations have shown that axlsymmetric conical Inlets have less drag than two dimensional ramp in- 
lets with equal throat/capture area ratios and equivalent ramp or cone angles. Typical data are shown 
in Figure 3-19. This characteristic can be explained by the relief provided by the three dimensional 
spillage of the cone resulting in lower flow spillage angles, i.e., the cone flow deflection Is less 
than the two dimensional flow deflection, resulting In lower drag. As the system development and force 
accounting methodology progress, most programs then concentrate on the inlet component effects such as 
lip, sldeplate, and cowl shapes, bleed system design and ramp schedule variations. At this point, the 
force accounting methodology must be sufficiently refined to identify the small variations in drag 
that these components can produce. Figure 3-20 indicates the level of aircraft drag sensitivity to slight 
modifications of the external cowl lip geometry. However, the external cowl lip geometry (as well as 
the Internal cowl lip geometry) that results in the minimum drag la dependent on the local flow angularity 
approaching the lip. This flow angularity is, of course, highly dependent upon both the compression sur- 
face geometry and flight condition. 

The minimum drag configuration parameters are of primary concern because they govern the inlet drag 
at cruise conditions. Nevertheless, the performance assessment methodology employed should permit 
evaluation of off-design conditions. While off-design operation may be transitory and of short duration 
it should not be neglected. A small error in the transonic acceleration drag car seriously degrade the 
supersonic capability of a system. The typical airflow mismatch durlug this condition usually requires 
consideration of bypass systems. When one considers the drag of the bypass system, a drag trade off 
occurs between the spillage and bypass drag such that the minimum inlet drag may occur at an airflow 
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condition  less   than that  for mtnlmum spillage drag. 
A typical trade study is shown in Figure  3-21 where 
the Increments of spillage and bypass drags are shown 
along with  the  airflow associated with minimum drag 
for constant  engine demand.     This is an  ideal  situation 
and does not  consider the Interference of bypass air 
on aircraft drag and stability characteristics.     In 
operational use,   the bypass  air must be dumped and this 
usually occurs  in an unfavorable location such as above 
the wing.    Any drag impact here should be assessed and 
accounted for  In the bookkeeping system employed. 
Another possibility to reduce this bypass drag penalty 
Is to incorporate variable Inlet capture. 

Illustrated  in Figure  3-22 are the predicted drag characteristics for  four two dimensional 
inlets designed  for typical  fighter aircraft.     In this  case, consideration of the local inlet 
flow field as well as other vehicle design constraints  led to the selection of different inlet 
design features  for each installation.     Configurations A-l and B-l employ a variable capture feature 
to reduce transonic spillage drag at the expense of some weight  -.nd complexity.    Figure 3-23 
further illustrates some of the drag and design characteristics  for the fixed and variable capture 
inlet designs  shown in the previous figure.    At  transonic conditions, operation at part power 
usually results  In high spillage drag levels,  but inclusion of  the variable geometry feature permits 
inlet operation at higher mass flow ratios  (lower A )  and,  thus,  reduced drag.    While this feature 
reduces spillage drag, care must be taken to Insure that this is not nullified by increased 
external drag on the variable component.    The other point illustrated in Figure 3-23 is the benefit 
of the variable geometry in reducing inlet drag during maneuvering conditions.    Although the  inlet 
drag reduction can be appreciable,  it  is of course a smaller portion of the vehicle drag at high 
angle-of-attack conditions. 

The existing parametric data on ramp geometries,   lip shape,  cowl shapes,  sideplate shapes, bleed 
patterns,  etc.,  are primarily useful for indicating trends when a new system is being developed.    For 
any new system the absolute inlet drag and performance  level determination requires parametric tests for 
that particular  Installation design.    Figure 3-24 shows that a broad range of data haä been taken in 
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some of  the various drag  tests of  two dimensional  inlets  for  specific  transonic or supersonic aircraft 
designs.     These  tests have  incorporated many different  aspects  of  inlet design.    It is not considered 
possible  to extract accurate drag data  for a new  inlet  design from such a variety of results. Thus,  an 
improved  (but  not  optimum)   inlet design must be developed in the wind tunnel  for a given system application. 

Then,  projected flight performance can be predicted from that wind tunnel data.     If data acquisition  Is 
to be consistent  throughout system development,   the force accounting system should allow for  isolation 
and verification of all  component performance.     With this  in mind,   it appears highly desirable,   if not 
mandatory,  to rely not only on inlet   force balance data but  to also extensively pressure instrument 
all  inlet  test  configurations. 

3.3.2    Exhaust Nozzle Design Variables 

The exhaust nozzles of a particular airframe/engine combination must be designed to satisfy the 
specific  performance,  structural,  and operational requirements  Involved.     A variable throat area and a 
variable exit  area are needed  to maximize the gross  thrust  throughout the  flight range.     Maximum gross 
thrust  is achieved when  the nozzle exit pressure  is matched to  the ambient pressure.    Providing  too 
large an area ratio results  in a much  larger penalty at  low Mach numbers  than the gain provided at high 
Mach numbers. 

The external  flow field over an airplane affects the design and mission performance of the airplane 
in several ways.     The flow  interacts with the nozzle exhaust  so  that  the  installed nozzle performance,   in 
terms of  thrust  and drag,   may be lower  than for an Isolated nozzle;  and the  flow can cause Internal nozzle 
flow separation.     External  flow interaction with the flow from the exhaust nozzle can result  in large 
aftbody drags, especially  for twin-engine installations where factois such as inlet, tail surfaces,  and 
stores location restrict optimum airplane/nozzle Integration.     Different  types of nozzles can better 
satisfy specific  requirements  such as  lightweight  design  (convergent) or secondary flow handling capabil- 
ity (convergent-divergent  ejector). 

■ 
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The  convergent  nozzle  excels  in  lightweight  aircraft whose  supersonic mission requirements  are only 
dash periods,   since  it has   low performance at high pressure ratios.     The short   flap convergent  nozzle 
(Figure 3-25a)  is  short  and   light but  has relatively high boattail  drags.     The  iris convergent  nozzle 
(Figure 3-25b)  is longer and heavier to achieve the same required nozzlp thmat area change betvecn the 
afterburning and non-afterburning engine operating conditions due to  the long  translating,  canti- 
levered flaps involved.     However,  this yields a shallower boattail angle and  consequently a lower boat- 
tall drag than the short  flap convergent nozzle.     This  Is  true,   in general,  for either the boattail of 
an  isolated nozzle or  the more complex   aftbody-nozzle fairing employed  in an aircraft  installation. 
Convergent-divergent  (C-D)  nozzles are  used when the nozzle pressure ratios required are significantly 
greater than  the critical value.     They  are heavier than  the convergent nozzle but give  large  improvements 
in  supersonic performance  for airplanes  having missions  requiring  long periods of supersonic operation. 
The C-D nozzle  (Figure  3-25c)   eliminates  the detrimental  steep boattail of  the  short flap  convergent 
nozzle and  lends  itself  to  an optimum area ratio  scheduling.     If  the engine requires secondary air for 
engine cooling purposes,  or  if the aircraft mission justifies  the weight and  complexity of a secondary 
flow system when using an  engine which does not  require external  cooling,  a version of a C-D nozzle known 
as  a convergent-divergent  ejector becomes desirable.     This  nozzle  system (Figure 3-25d)   allows   the re- 
quired inlet bleed  flows  to be utilized  for nacelle purging,  engine cooling,   and the relief of pressure 
differentials  across  the engine case.     The secondary  flow also provides  cooling for the nozzle and helps 
eliminate overexpansion of  the primary  nozzle gases.     Plug nozzles   (Figure 3-25e-f)  rresent  interesting 
possibilities  for airbreathlng propulsion.    The  exhaust  area of  plug nozzles  can be varied by  expanding 
and collapsing the  plug,  by  translating   the plug  and by  actuating  cowl mounted  flaps.     The plug  allows 
lower boattail angles  during  non-afterburning operation  than an equivalent  convergent nozzle,  and wider 
area ratio variations  can be accommodated within a given  flap  size  limitation  than for  conventional 
C-D nozzles. 
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Some of the aftbody/nozzle configuration variables  to examine during development tests are nozzle 
type,  interfairlng type and  length, vertical stabilizer  type and lateral spacing.    Data applicable  to 
such changes are presented In Figures  3-26 through 3-32  for a typical  twin-jet  fighter aircraft.     The 
data presented includes the external drag of the aftbody/nozzle combination as shown on Figure 3-26. 
The value of the drag coefficients plotted exclude the drag of the tails but not their Influence on the 
aftbody and nozzle. 

The geometrical differences in nozzle types can influence the external flow field sufficiently to 
greatly alter the drag coefficients of the nozzle boattail and aftbody.    The effect of nozzle geometry 
on  total aftbody/nozzle drag as a function of nozzle pressure ratio is shown in Figure 3-26.    In general, 
the long, smooth contours of the C-D type nozzles are needed to obtain the lower drags.    Typical 
aftbody/nozzle drag coefficients for nozzles operating at their design pressure ratios are given In 
Figure 3-27.     Since the differences In drag are highly dependent on Mach number,   the choice of nozzle 
type must be made with mission requirements in mind. 

H^Ma 
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Twin engine fighter aircraft with  conventional axisyrametric nozzles will have an interfairing between 
the nozzles.     As the  interfairing type  or length  is  changed,   the nozzle boattail, aftbody boattail,   and 
total aftbody/nozzle drag  coefficients vary.    Shown  in Figure 3-28 are some variations  in interfairing 
type and length that were made on tht   twin jet fighter model.     Some  of  the changes in  the aftbody/nozzle 
drag coefficients due  to  these variations are given in Figures 3-29 and 3-30.     At the  subsonic Mach num- 
ber,  the drag  is significantlv  lower for a horizontal wedge  interfairing  than for a vertical wedge  (Figure 
3-29), and  the aftbody/nozzle drag generally decreases with  increasing interfairing length  (Figure  3-30). 
Figure 3-31 presents  the effect of changing the vertical stabilizer type and position on the total aftbody/ 
nozzle drag  coefficient.     At all Mach numbers, a change from a single  to  twin vertical  stabilizers  in- 
creases the  total aftbody/no;!zle drag  coefficient  on a C-D nozzle  Installation.     (Note  that stabiliser 
drag is not   in the measurement.) 

AFTB0DY/N0Z Z LE   CONFIGURATION   KEY 

EXAMPLE .NIB SPACING RATIO 

NOZZLE SPACING RATIO 
INTERFAIRING TYPE " I 

INTERFAIRING LENGTH "B' 

rT-_r T 
" i •■—i 

N - NARROW 
I - INTERMEDIATE 
W-WIDE 

<X><S>-(S> 
I C D 

HIGH  HORIZONTAL   WEDCE-I 
P.. EXlH 

CD EXIT J 

<S><Ä> 
C D        E 

CENTER   HORIZONTAL   WE0GE~2 

-QL> 
D E 

VERTICAL   WEDGE~3 

INTERFAIRING NOMENCLATURE 
Figur« 3-28 



15-19 

NOZZLE TYPE; 
CD-CONVERGENT- 

DIVERGENT 
Pu-UNSHROllDED 

u       PLUG 

SPACING RATIO: 
N-NARROW 

I - INTERMEDIATE 
W-WIDE 

INTERFAIRIN6 TYPE: 
I.-HIGH WEDGE 
2-CENTER WEDGE 
3 -VERTICAL WEDGE 

INTERFAIRING LENGTH: 
B - SHORTEST 
C-PgEXIT 
0-CD EXIT 
E - LONGEST 

.006 r 

M 

.002 

I2B 
us 

N3D 

NID 

CD P. 

WIB 
W2B|—I 

WIB 
W2B 

u CD 

a.  NORMAL POWER NOZZLES 
Mo-0.9      HPR-4.0 

.024 

.016 

.008 

I2B 
IIB 

NID 
N3D 

IIB 
I2B 

CD CD 

b.   MAXIMUM A/B NOZZLES 
M0-l.2    NPR-6.0 

EFFECT OF INTERFAIRING TYPE ON TOTAL AFTBODY/NOZZLE DRAG 

W2B 
WIB 

CD 

■ 

Figure 3-29 

.006 

.004 

.002 

NOZZLE TYPE: 
O ~UNSHROUDED 

PLUG 
o - CONVERGENT- 

DIVERGENT 

_L. 

SPACING RATIO: INTERFAIRING TYPE: 

N~ NARROW l.-HIGH WEDGE 

I - INTERMEDIATE 2-CENTER WEDGE 

W~WIDE 3.-VERTICAL WEDGE 

J 
C D E 

INTERFAIRING LENGTH 

.024r 

.016 

.008- 

^ 

C D 
INTERFAIRING LENGTH 

NORMAL POWER NOZZLES 
Mo-0.9   NPR-4.0 

MAXIMUM   A/B NOZZLES 
M0-1.2 NPR'6.0 

EFFECT OF INTERFAIRING LENGTH ON TOTAL AFTBODY/NOZZLE DRAG 
Figur« 3*30 



IB'ZO 
.016 

.008 

CONVERG ENT-DIVERGENT NO 
CMCTH rriiTPD mrM 

ZZLE 
p 

mW A/B POWER 
v2 1—| 

¥i — 

v2 

V, 

V. — 

Ho" 
NPR« 

0.9 
40 

1.2 
6.0 

1.6 
9.0 

-cs>- 
s EFFECT OF VERTICAL STABILIZER ON TOTAL 

AFTB0DY/NOZZLE DRAG 
Figux« 3-31 

Keeping a constant Interfalrlng type and varying the nozzle spacing ratio changes the aftbody component 
drag.    Figure 3-32 shows the effect  of nozzle  lateral spacing on total aftbody/nozzle drag coefficient for 
variable and constant aftbody area distribution.     For the total aftbody/nozzle drag coefficient,  the 
nozzle lateral spacing ratio effect  is negligible up to a Mach number of 0.9 but the effect becomes 
significant above a Mach number of 1.0 where wave drag effects become predominant when the aftbody area 
distribution is allowed to Increase with spacing ratio. 
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3.4    Effect of Reynolds Number on Performance 

Further results from the twin-Jet aircraft model tests indicated that  the total aftbody/nozzle drag 
coefficient Increased with Increasing Reynolds Number both subsonlcally and supersonically.    Typical 
results of these tests at subsonic and supersonic Mach numbers are shown In Figures 3-33 and 3-34 
respectively.    The total aftbody/nozzle drag coefficient for the subsonic Mach number reached a plateau 
for a Reynolds Number between 4 to  6 x 10 /ft,  whereas the drag coefficient at a freestream Mach number 
of 2.0 appears to approach a plateau at a Reynolds Number of 1.6 x ic'/ft.     Static and total pressure 
data obtained during these tests substantiated the external drag trends with Reynolds Number.    Boundary 
layer rake data indicated a decrease in boundary layer displacement and momentum thicknesses with increas- 
ing Reynolds Number. 
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Similar data was obtained from another Investigation (Reference 3) In which the Reynolds Number 
was varied In the wind tunnel by testing different scale models and in flight by varying altitude. 
Tests were run on an underwing nacelle installed on a modified F-106 aircraft and two different scale 
wind tunnel models. The highest installed aft nacelle nozzle boattail drag coefficient was obtained 
at intermediate Reynolds Numbers corresponding to the lower flight values and those of the 22% scale 
model.  As shown in Figure 3-35, significantly lower drag was obtained at both higher and lower Reynolds 
Numbers.  The trend of the drag coefficient at the lower Reynolds Number is similar to that observed 
in the wind tunnel data for the twin-Jet fighter investigation. 
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Two different  flow phenomena appear  to 
uccui   w'ulch  change the aitoody/nozzie  external 
static pressure distributions and drag.     These 
changes are shown schematically In Figure 3-36. 
At  the very low Reynolds Number,   the degree 
of overexpanslon on the aftbody/nozzle Is small. 
In this case,   the effective boattall angle 
has been reduced due to the presence of a 
relatively thick boundary layer and only a 
very  small recompresslon  Is needed  to mini- 
mize  the drag.     At the Intermediate Reynolds 
Numbers,  a reduced boundary layer  thickness 
increases the  effective boattall angle leading 
to greater overexpanslon and insufficient re- 
compression  to maintain  low drag.     According 
to  the data,   flow separation can be extensive 
at   these intermediate Reynolds  Numbers,   thus 
preventing any  significant  recompresslon. 
The separation point  is  closest  to the boattall 
shoulder  at  the  Intermediate Reynolds  Number 
and moves  farther aft  as  the Reynolds  Number 
increases.    The overexpanslon remains essentially 
the  same at  the higher Reynolds Numbers,  but 
the  separation  is reduced and  the  flow recompress- 
es   significantly above  the freestream static 
pressure to again reduce the drag. 
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The results of these investigations show a significant change In aftbody/nozzle drag coefficients 
due  to changes  in flow conditions which appear to be attributable to variations  in Reynolds Number. 
However, other factors such as changes in scale and nonsymmetrical flow separation may have a significant 
effect on the results.    These data indicate that  it can be very difficult to predict absolute full 
scale aftbody/nozzle drag coefficients with limited wind tunnel data.    Additional data (from both 
flight and wind tunnel  tests)  are required  to define the primary sensitivity variables and describe 
aftbody/nozzle drag sensitivity  to  those variables. 

4.0 Theoretical Analysis 

4.1 Inlet Drag Analysis Techniques 

Inlet drag analysis procedures are required (consistent with current force accounting procedures) 
to predict that portion of inlet drag chargeable to the propulsion system. Many analytical techniques 
have been documented previously, and some are widely used either in their basic format or together 
with some special modification resulting from other data comparisons or predictions.  The success 
of most of these procedures seems, however, to be directly related to the degree of similarity between 
the configuration analyzed and the configuration for which the analysis procedure was developed. 
Generally, system developments have initially used parametric data from similar configurations in 
a preliminary assessment of inlet performance. Later, when a basic configuration has been identified 
for development, more "sophisticated" procedures have been employed. 

Typical of the preliminary analysis procedures employed is one for which the K^QQ factor was 
developed some time ago.  Inlet spillage drag coefficient (Cp«-..,) data were obtained on a series 

of Isolated models with variations in cowl geometry (Figure 4-la). This experimental inlet drag was 
then compared with a simplified theoretical assessment on the same configuration to arrive at KApD 

factors of additive drag (cDÄnn) which were used to calculate the spillage drag (CD- CDADD) "ADD     w"" "  ""^^   uaea   to   caxcuiace   tne  spixxage  arag   ^DcpTTi   "     ADD 

shown in Figure 4-lb.    While these parameters have been developed on simplified inlets,  they are many times 
applied to very complex configurations.     The data obtained during these tests have been reviewed by other 
sources  in order to develop another correlation parameter, AC^jp SUCTION  (Figure 4-lc).    This empirical 
relation has been developed to give greater confidence in estimating the cowl suction effects for varying 
goemetry.    The relationship employed, 

CDSPILL '    CDAW " ACLIP SUCTION 

still requires a theoretical assessment of CQ      , and  is baaed on the same isolated data.    This is still 

basically an example of a curve fit of experimental data even though It is based on some of the geoaetrlc 
inlet  characteristics. 

Both of these correlations are based on a simple one-dimensional analytical solution for the additive 
drag utilizing the momentum equation.    Others have attempted development of more in-depth analytical 
procedures based on evaluation of the flow field surrounding the inlet.    One such technique is illustrated 
in Figure 4-ld.     In this case,  a compressible,  two dimensional, potential flow solution has been developed 
using  finite difference techniques and applied to the data of Figure 4-la.    The data however, has been 
shifted to agree with the theoretical calculation at  the maximum mass flow.     It appears that  this purely 
theoretical technique does provide reasonable estimates of the drag slope, but Its ability to reproduce 
experimental drag levels at a given mass flow ratio may still be questioned. i 
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A basic shortcoming of these and most other Inlet drag analysis procedures Is the fact that they 
treat the Inlet as an Isolated subsystem.  It Is considered necessary that the Inlet analysis be per- 
formed consistent with the total aircraft performance analysis. Forebody flow analysis procedures 
should be used to define the Inlet flow field for input Into Inlet performance calculations.  Similarly, 
as part of the inlet analvsis, an effort should be made to assess the Impact of the Inlet flow condition 
or geometry on the rest of the aircraft.  Experimental assessments of th(:se effects have been made and 
it seems reasonable that part of the preliminary design efforts should Include theoretical analysis 
to predict them. While no single analysis procedure has been developed as yet that gives completely 
reliable and accurate results, recent advances do offer the possibility of at least qualitatively assess- 
ing some of the more complex flow interactions.  Illustrated in Figure 4-2 are the results of a three 
dimensional transonic potential flow solution applied to a twin engine aircraft configuration.  In this 
illustration the effect of Inlet flow condition on nacelle pressure distribution does indicate some 
effects considerably downstream of the inlet station. This theory is basically inviscid; hence, some 
of the effects would be altered If the boundary layer was included, especially for cases where flow 
separation could be predicted. Theory such as this should be applied.to test configurations in order 
to help Identify the extent of model simulation required during component drag tests to properly 
account for all forces.  It also appears quite reasonable to employ procedures of this sort during 
early development to augment the evaluation of all inlet design trades to be considered. 

Extensive development of analytical procedures, both simplified and rigorous, ate still required 
In the Inlet/airframe area. The techniques used today still leave many unresolved questions. Unfortunate- 
ly, many times the analysis procedures are dropped when experimental test data begins to be obtained. 
As a system program continues, less and less detailed data is taken.  Finally, when flight tests take 
place, there is so little data taken that It Is Impossible to determine component drag levels from the 
overall measure of aircraft performance. It would appear that an in-depth program is required which com- 
bines unified analysis with heavily Instrumented wind tunnel models and flight test aircraft to 
develop a sound analytical tool and define such things as scale and Reynolds number effects. 
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4.2    Aftbodv/Nozzle Drag Analytical Techniques 

Recent  extensive  Investigations of  analytical  and empirical  techniques  for predicting  the drag 
associated with  the nozzle and aftbody have concluded  that available analytical methods are  not  capable 
of  accurately  predicting the absolute drag  levels but  are useful  in predicting  the  trends  of  aftbody 
pressure  distributions.     Some data correlation procedures using  empirical  techniques have been partially 
successful  in predicting the drag of particular configurations.    The mo&t critical flov situation is in 
the transonic  flight regime where the discrepancy between theory and experiment  is still considerable. 

Flow phenomena that require a deeper analytical  Investigation include  the Jet  effects  on the base 
and boattall pressures and the extent of mixing between the plume and freestream.     An assumption of 
constant pressure mixing in the wake and the fact that shear stress rormal gradients are normally neg- 
lected in the base pressure analyses has led to Inaccurate results.    The separation criteria used to 
date have not been completely reliable,   since they usually do not consider viscous affects.     The boundary 
layer and Reynolds number effects on the boattall and nozzle plug pressures cannot be neglected and 
the superposition principle presently used to couple the viscous and inviscid solutions to account for 
boundary layer displacement is inadequate to account  for the relative thick boundary layer over the 
aftbody and nozzle.    It appears that  3-D analyses,  both viscous and inviscid should be considered 
to obtain better results even though they present major mathematical complexities.     Some of  the analyti- 
cal methods  that could be used are time dependent techniques which can account  for the presence of 
embedded shocks on the afterbody. 

5.0    Flight Performance Prediction 

The usefulness of theoretical and experimental estimates of aircraft performance may be measured 
by the accuracy with which they predict  actual in-flight performance.    Although this statement appears 
to be self-evident,  the actual accomplishment of wind tunnel flight test correlation Is extremely difficult. 
One example of some of the difficulties encountered has involvsd the comparison of flight performance 
projections based on a variation of the conventional test and accounting procedures described In Section 
2.0 with in-flight drag and lift calculated in the manner shown in Figure 5-1. 
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In  this  calculation procedure,   the  engines  used  in  the  flight  test were  calibrated  in an 
engine  test   facility.     Such data,  however,  must  be corrected  (most  likely  in  the  IN-FLIGHT THRUST 
DECK) by means of wind tunnel data In order to reflect  Internal nozzle thrust  levels which are 
more nearly correct.    The figure also shows additional corrections leading to a net thrust  term, 
but the actual calculation employed to determine drag and lift are given in the following equation: 

DRAG:     CD - ^J- (FGcos(a+E) -    R - Wsiny -r- *— ' '      g dt      g dt 

LIFT: 

Where 

CL "    —(Wcosy - F-8ln(a+e)            + W qs                       G                                 - Vdx) 
dt 

D    - Ram Drag 
K 

F. ■ Gross Thrust 
'g    ■ Acceleration Due to Gravity 

dV 
dt 

W 

q    - Dynamic Pressure 
s    - Wing Reference Area 

dW 
dt 

V    - Airplane Velocity 
a 

Y 

*E 

—    ■    Acceleration Rate 

Weight 

Time Rate of Change 
of Weight 

Angle  of Attack 

Flight  Path Angle 

Angle Between Thrust Vector and 

Wing Chord Plane 

The asterisked elements are the only ones which are not sources of error.    Figure 5-2 shows two sample 
calculations of  In-flight drag and lift  at  transonic Mach numbers compared to projected wind tunnel 
data.     In the case of both flight and projected wind tunnel estimates, attempts have been made to define 
±2o error bands based, apparently, on the data scatter associated with each element of the calculation. 
Over 90Z of  the variance (tfr    ) associated with the flight data drag estimates stems from uncertainty 
In gross thrust measurements.      The wind  tunnel data has been used as Illustrated  in Figure 5-3 to 
correct flight data points to a zero-lift drag condition.    Eight of the flight drag points thus generated 
are compared with a curve of the projected wind tunnel data In Figure 5-4.     In order to facilitate this 
data comparison,  a variation of the conventional  force accounting System has been employed  In which all 
variations  in Inlet Drag model forces and Jet Effects model forces between the Aerodynamic F & M model 
reference conditions and aircraft operating conditions have been assigned to the aircraft drag and 
Included  In the drag polar. 
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No detailed explanation has been offered for the large differences between flight test and projected 
wind tunnel drag levels; however, several possible sources for the discrepancy have been suggested. 
They Include: 

a. Inadequate corrections for Roughness and Protuberances 

b. Wind Tunnel Blockage, Shock Reflection Effects 

c. Test Techniques 

• Failure to eliminate strut interference 

• Failure to duplicate Inlet/Aftbody Flowfleld Interactions 

• Failure to simulate hot gas effects 

d. Scale and Reynolds number effects 

e. Incorrect assessment of In-flight Inlet/Engine operating characteristics 

One of the more important aspects of this comparison is that when the discrepancy occurs, it is Impossible 
to isolate the sources of the differences.  The design development by means of test models and the method 
of flight test were not compatible with a requirement for wind tunnel flight test correlation. Re- 
cognition of this problem emphasizes the need for extensive model pressure Instrumentation In addition 
to provision for force measurements. Then, by careful distribution of pressure instrumentation on the 
aircraft, flow field development in critical regions can be examined In order to obtain at least a quali- 
tative comparison of drags on specific elements. 

,  rv: 
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One attempt to arrive at a flight  test 
level of Inlet  drag produced the results shown 
In Figure 5-5.     Although the agreement In total 
Inlet drag for some conditions Is quite good, 
the projected cowl and ramp drags show substant- 
ial disagreements.    The data in this case was 
obtained from pressure integration of a limited 
number of taps.     This problem coupled with the 
inaccuracy of the various measurements of flight 
condition and engine airflow is felt to make 
the flight data highly questionable. 
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6.0    Conclusions 

From the foregoing discussions,  the following conclusions are made: 

1. Modern aircraft require extremely careful design development in the area of airframe/propulsion 
Integration in order to take maximum advantage of Improvements in aerodynamic design and propulsion sys- 
tem efficiency.    This work must, however, be done as an Integral part of the total aircraft development. 

2. A force accounting system which effectively integrates both aerodynamic and propulsion forces 
and moments  acting on an aircraft must be generated during the period of early design development.    This 
accounting system must,   throughout the aircraft development cycle,  provide for consistent  comparison of 
vehicle and component performance assessments by  theoretical analysis, wind tunnel test data, and/or 
flight test data. 

3. Aircraft development wind tunnel test programs must be carefully devised and the model designs 
coordinated In order to assure delineation of Inputs to the force accounting system without Introducing 
large extraneous Influences. Otherwise, the combination of several wind tunnel test models to generate 
aircraft performance estimate can result In drag and lift errors due to model mounting system interfer- 
ence effects or failure to adequately simulate model geometry and the associated flow fields. 

4. Available Inlet drag data from simple models may be used in the establishment of basic prelim- 
inary trends,  but the actual development and assessment of the performance of a particular design must 
be accomplished by means of wind tunnel tests designed to measure the total effect of  inlet design and 
operation on aircraft performance. 

5. Several aftbody/nozzle design parameters are important to the determination of  total aircraft 
performance.     Influences of nozzle type,  interfalrlng geometry and length, stabilizer geometry,  and spac- 
ing ratio must be carefully examined in conjunction with aircraft mission requirements  In order to assure 
maximum performance. 

6. Recent test programs have Indicated an aftbody/nozzle drag sensitivity to Reynolds Number which 
results in a drag peak at Intermediate Reynolds Numbers.    Close examination of these tesults, however, 
suggests  that the drag depends heavily on afterbody boundary layer development and separation which are, 
in turn, probably dependent upon a combination of model scale and Reynolds Number variations. 

7. Theoretical analysis techniques for the prediction of  inlet and aftbody/nozzle forces and mom- 
ents have not,  in the past, proved to be highly successful.     Some of the three-dimensional compressible 
computations being developed presently, however,  offer hope of better qualitative flow phenomena descrip- 
tion In the future.     Such a capability is especially important during early aircraft design development. 

8. Improvements  are required in the coordination of data measurement techniques between wind, tunnel 
and flight tests.    Detailed force and pressure measurements should be employed on wind  tunnel models to 
provide accurate performance predictions, but It  is also considered highly advisable to provide for 
selected pressure measurements on the aircraft  In order to establish data correlations  in critical flow 
regions. 

■. ■   ■ 
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THE HIOBLEM OF INSTALLINO A MODERN HIOH BYPASS 

ENGINE ON A TWIN JET mANSPORT AIRCRAFT* 

by 

Walter C. Swan and Armand Sigalla 

Uie Boeing Commercial Airplane Company 

Renton, Washington,  U.S.A. 

ABSTBACT 

An examination of the engine placement on a modern jet transport presents new drag and stability 
problems.    Large high bypass ratio engines create large annular and wetted area drag and blockage 
surfaces which can cause difficult configuration problems as well as  large interference drag and stability 
effects.    The option is open to conventional underwing and aftbody mounted installations as well as renewed 
opportunity for over-the-wing installations.    In this paper the drag and stability consequences for each 
class of configuration is examined for a typical intermediate range transport.    The results are equally 
valid for short haul and certain STOL missions.    In some instances,  it is shown, proper pod shape and 
positioning m«,v result in favorable    drag increments,  especially on modern swept wings with supercritical 
airfoil sectioi.s.    Side effects such as pod influences  on wing flutter,  deep stall, and general sizing 
of the empennage are discussed. 

SUMMARY 

Factors affecting the location of the modern high bypass ratio engine and propulsion system on 
an airplane are reviewed using the jet transport as an example.    The configuration options that are 
examined Include conventional underwing and aftbody mounted engine installations, and it is  shown that 
a renewed opportunity exists  for over-the-wing engine Installations.    The influence of each class  of 
installation upon the airplane  is examined, with results derived basically for a typical intermediate 
range transport and for airplanes designed for short haul and certain STOL missions. 

Finding the best place for the engines  Is an ftotlvity involving virtually all the disciplines 
of aeronautical engineering.    Hie engine location influences the cruise drag decisively, and very high 
performance and speed losses will result from ar Installation that is less than very good. The structural 
weight of the airplane is affected in many ways by engine location.    Putting the engines on the wing 
will influence strongly, as one might expect, the weight of the wing; and it is shown that relief of 
airloads, flutter, and impact upon stalling speed are all factors to be considered in the design of the 
Installation. 

The placement of the engines will influence the location and size of the vertical and horizontal 
tall and control surfaces.    The weight of the propulsion system is an Important factor that determines 
the location of the center of gravity of the airplane,  thus affecting directly longitudinal stability 
and control requirements.    Also,  large yawing moments can be produced in some engine-out conditions 
affecting similarly directional control requirements, and attention has to be given to the effects of 
jet flow on the control surfaces  to prevent unfavorable Interactions  in certain flight conditions. 

Bie field performance  of an aircraft is particularly sensitive to engine location.    It is  shown 
that engine location and size does  Influence the maximum lift-coefficient of an airplane as well as  its 
lift-drag ratio in the high-lift mode.    It is also shown that engine location affects the engine noise 
heard on the ground below an airplane.    This can happen when the source of noise is shielded by an 
airframe component. 

It is found that engine size variations, such as those that occur when turbofan engines of different 
bypass ratios are considered, affect the choice of engine location.    The high bypass engine with its 
large annular and wetted area poses a more difficult   air frame-engine integration problem.    The flutter 
problem is complicated by the lift on the nacelles, and it is more difficult to achieve low drag.    In 
some Instances, however, proper pod shape, pod location, as well as the application of area-rule and 
streamline contour principles may result in favorable drag Increments.    Experimental results are shown 
illustrating these effects. 

Airplanes with wing-mounted engines and airplanes with fuselage-mounted engines each have their 
good points and their problems, and very careful analysis and laboratory work are necessary to determine 
which of the two is better for a given mission,  type of airplane, and type of engine.    It is shown in 
this paper that after such a general choice is made that additional investigations are necessary to find 
detailed specific engine locations.    It is further Indicated that overwlng engine installations offer 
certain attractive options and these are reviewed. 
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mTRODUCTION 

Designing engine nacelle installations for low drag is one of the more challenging problems of 
aerodynamics. Analysis of the flow is complex,  involving the interaction of the flow from different 
airplane components.    In addition, as is often the  case,  it is not possible to design for low drag alone, 
and one is constrained by many other considerations which make the problem more    difficult;  and the 
selection of an good nacelle  installation is the result of compromise with aerodynamic drag,  one of 
many factors albeit a dominant one. 

The introduction of the efficient high bypass ratio turbofan engine has brought about renewed 
interest in the problems of engine placement.    The current family of high bypass ratio engines was 
designed specifically for the so-called "jumbo" airplanes, like the military C-5A transport or the 
wide-bodied commercial Jets.    These engines are very efficient but also of large size for given 
installed cruise thrust.    Designing smaller airplanes around such engines poses, therefore,new problems 
of engine-airframe integration. 

The primary object of this paper is to review the problems of installation of high bypass ratio 
turbofan engines and to examine possible solutions.      This will be done considering a medium range, 
twin-engined subsonic transport aircraft on which there are essentially two options for the location 
of the engines.    The engines can be either wing-mounted or fuselage-mounted but many different versions 
of these two basic locations may be considered.    That there is no obviously clear choice is apparent 
from the fact that almost every conceivable variation has been tried at least once.    Indeed,many 
airplanes with quite different engine installations have met equal success apparently without obviously 
different characteristics that could be related directly to the engine installation.    Yet,where the 
engines go on the airplane does matter a great deal, and the best location must follow from the type of 
mission that one is after,  the size of one's airplane,  the relative size of the engines, and the specific 
performance objectives. 

Problems that are basically independent of the size and type of the engine will be reviewed at 
first for airplanes with conventional underwlng engines and for airplanes with the engines on the 
aft-fuselage, respectively.    It will be seen that structural and configuration aspects have a strongly 
constraining influence on the decision that determines engine location with aerodynamic expertise 
necessary for the detail design to avoid large drag penalties.    As the relative size of the nacelle 
gets larger, because of bypass ratio increase, increasing penalties become associated with the installation 
and these subtract from the inherent benefits of the high bypass ratio engine.    Although the constraining 
influences are qualitatively the same as for smaller bypass ratio engines, the penalties due to poor design 
can be much greater and aerodynamic   design skill becomes of increasing importance.    It is necessary to 
design low drag installations within tighter constraints and there is need to search for new 
installation concepts that will eliminate some of these constraints.    For instance, putting the engines 
on top of the wing rather than under the wing virtually eliminates constraints associated with landing 
gear length, assuming that the former installation is aerodynamically possible. 

In the next section of this paper, following this introduction, the advantages and disadvantages 
of conventional underwlng engines are discussed.    Ulis is then followed by a review of the factors 
affecting airplanes with fuselage-mounted engines.    Following that the specific influence of relative 
engine size upon engine placement is discussed and then the less  orthodox airplane with overwlng-mounted 
engines  is considered. 

^ 

UKDERWINa ENGINE mSTALLATIONS 

[  s 

Let us  consider a subsonic airplane with a reasonably high aspect ratio wing.    It is desired to 
investigate a configuration with underwlng engines and to consider the factors that determine spanwise 
location, chordwise location, as well as distance between the nacelle centerline and the plane of the 
wing. 

A factor that favors nacelle locations outboard on the span of the wing is relief of wing bending 
moments.    The weight of the engines is put where the majority of the lift is carried.    The magnitude of 
the bending moment at the root of the wing is reduced, and a reduction in the weight of the wing can be 
realized.    TOils is illustrated in Figure 1 for a typical subsonic swept-wing jet aircraft, and it is 
seen that large benefits in wing weight are potentially available as the engine position is moved 
outboard toward the 70 percent semispan location. 

Moving the engines outboard on the wing has, however, other less favorable consequences.    Hie 
size and hence drag and weight of the vertical tail surfaces increase in magnitude steadily for spanwise 
positions greater than about 35 percent as shown in Figure 2. The ijason for this is the unfavorable 
yawing moment that results  from an outboard engine failure.    Another adverse effect of an underwlng 
outboard engine location is the need for a longer landing gear when the engine is located too far 
outboard, as Illustrated in Figure 3.    Hie length of the landing gear has to increase to allow for 
minimum engine clearance at extreme airplane attitudes at touchdown.    This is a constraint that becomes 
increasingly more severe with increasing relative engine size. 

The drag of the airplane is sensitive to spanwise engine location.    The results of theoretical 
calculations illustrating this are shown in Figure k.    The data are for a typical subsonic transport 
airplane with moderately swept-back wings.    Owing to the effect that the engine nacelle has on the 
spanwise load distribution,  the induced drag of the wing is increased as the nacelle position is moved 
outboard. 



In Figure 5 are shown experimental results of the spanwise distribution of wing lift on a wind 
tunnel model with and without engine nacelles.    The accelerated flow field around the nacelle interferes 
more with the wing lower surface than with the upper surface, and it is seen that a local loss  of lift 
and thus more drag results.     There are many factors  that affect this prob>T..    These include the size 
of the nacelle relative to the local wing chords,  the distance between the nacelle and the wing,   the 
fineness ratio and shape of the cowl, the planform of the wing and its airfoils.    Given f\e large 
number of factors  it is difficult to generalize, but broadly speaking, the drag problem is harder to 
solve when the size  of the nacelle increases relative to the size of the wing.    Bie data shown in 
Figure 5 are for a wing with conventional airfoils;  the solution of the problem by local airfoil 
changes would be more complex on a wing with supercritical airfoils because of the need for more 
complicated theoretical methods and also because these airfoils tend to be more critically loaded 
near the leading edge. 

Wind tunnel results are shown in Figure 6 for two different nacelle locations spanwiae on a 
swept wing.    The extreme    sensitivity of the transonic drag to the position of the nacelles is apparent. 
The sensitivity of the drag to cordwise and vertical movement at a given spanwise position is shown in 
Figures 7 and 8 where experimental results from transonic wind tunnel testing are shown.    It is  suggested 
in these figures that attention to the local axial area distribution of the nacelle, pylon,  and part of 
the wing will result in lower transonic drag. 

Considerably more wind tunnel testing and analysis have had to be carried out on the Boeing 7^7 
and 737 airplanes than on the Boeing 707 to solve the wing nacelle integration problem.    This was due 
mostly to the larger relative nacelle size on the former two airplanes.    Hie higher bypass ratio engine 
on the 7^7 offered an additional independent variable in the design,  namely the length of the fan-cowl 
relative to the length of the nacelle.    It was found desirable to maintain the exit plane of the  fan 
ahead of the leading edge of the wing to minimize interference on that part of the wing. 

Design for flutter prevention is another factor that has to be considered when defining nacelle 
positions on the wing.    Hie effects of spanwise engine location upon flutter speed are shown in Figure 9- 
It is seen that flutter speed is very sensitive to engine location.    Evidently,  some spanwise positions 
will require an increase in wing torslonal stiffness and the attendant increase in weight to provide 
adequate flutter speeds.    As  the relative size of the nacelles increases,  the aerodynamics of the 
nacelles  themselves  complicate the analysis and the solution of flutter problems, as will be shown 
later.    It Is again not possible to draw generalized conclusions  on the effect that wing-mounted 
nacelles have on wing flutter because the solution of the problem is subject to many variables  in 
addition to nacelle position.    An important variable  is the elastic stiffness of the pylon or strut 
attaching the nacelle to the wing.    Further additional variables  include wing geometry,  engine weight, 
and flight profile.     The complexity of the flutter problem Is illustrated in Figure 10.    The results 
of calculations are  shown that indicate that moving the nacelle forward makes the airplane more flutter 
prone,  contrary to simple ideas about flutter and divergence.  The calculations are, however,  for a 
specific situation and cannot be generalized;  the point is  that the problem is not at all simple and 
that detailed flutter analyses and testing are necessary to investigate nacelle placement. 

Another factor  that has  to be considered in nacelle placement choice is shown in Figure 11.     It 
has  to do with the distance  the nacelle is below the wing.    As the nacelle is brought near the wing, 
there is a condition where the jet impinges strongly upon the flaps when these are extended.    To avoid 
this,  it is necessary to provide spanwise relief in the flaps.    This,  in turn, affects the lift 
distribution as shown  in Figure 11.    Whether this    is  important or not depends on the mission of the 
airplane and its deslga requirements.    A solution that does  not affect the lift distribution is  to 
extend the nacelle pylon so that the jet eflux passes underneath the flaps, but this leads to other 
penalties such as  longer landing gear length and greater pylon weight as shown in Figure 12. 

It is seen that there  is no specific location for a wing-mounted nacelle that is obviously 
good and that detailed .studies are necessary to weigh quantitatively thu pros and cons  of different 
spanwise and chordwlse locations.    Wind tunnel testing is  necessary to understand the influence upon 
drag and flutter,  and care is required in the detailed design of the wind tunnel models to prevent 
adverse interference drag, particulary at transonic Mach numbers.    Different mission requirements will 
put more emphasis on some factors than others. 

FUSELAflE-MOUNTED NACELLE INSTALLATIONS 

//i 

A primary advantage that airplanes with fuselage-mounted nacelles have over airplanes with 
conventional underwing engines  is the fact that the aerodynamics  of the wing remain practically 
unaffected by adverse effects  from the nacelles.    An example of this is the effect upon the maximum 
lift coefficient of the airplane.    This is one of the more importanV aerodynamic parameters affecting 
the general efficiency of an airplane.    It may dictate increases in the size of the airplane's wing area 
beyond the size necessary for efficient cruise performance.    In particular, the parameter is of decisive 
importance for an airplane whose mission requires short takeoff or landing performance.    Hie effect of 
engine location upon airplane maximum lift coefficient is illustrated in Figure 13 with results from 
wind tunnel experiments.    The advantage of the fuselage engine installation in providing maximum lift 
capability is clearly apparent. 

' 

A problem with the fuselage-engine Installation is the effect the installation may have on the 
airplane post-stall characteristics. With such an arrangement it is often desirable to locate the 
horizontal tail surfaces atop the vertical tail surfaces to avoid jet-flow interference, and unless 
particular care is taken in the overall arrangement of the aircraft configuration, the turbulent 
slow moving wake from the nacelles at high angles of attack will affect adversely the flow in the 
vicinity of the horizontal tail. This is illustrated with wind tunnel results in Figure ll*. The 
unfavorable effect of the engine nacelles upon stall recovery is clearly apparent. A solution can 
be found with additional horizontal tail area, but this is more drag and a large weight penalty unless 
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the added area is needed also for another design requirement, e.g., lower landing speeds. 

Special care is needed to achieve low drag at high subsonic Mach numbers with airplanes with 
aft-fuselage mounted nacelle installations. Engine nacelles designed for high-subsonic or transonic 
Mach numbers have exit areas that are smaller han their intake areas.  Proximity of these nacelles 
near a tapering aft-fuselage leads locally to high flow velocities which give rise to premature 
compressibility problems. Attention to aerodynamic design, as shown in Figure 15 and 16, will result, 
however, in satisfactory solutions Experimenta results show, in Figure 15, that transonic drag 
increase is delayed to higher Mach numbers when the fuselage is modified to compensate for nacelle 
interference. The application of theoretical ae-odynamics is parti ulary rewarding i, this area of 
aircraft design. The theoretical representation of the na-seil-1 fuselage combination for which the 
test data shown in Figure 15 were obtained is shown in Figure 1'). To con^truct the wind tunnel model, 
the fuselage was designed in the flow field of the nacelle ^whi .e constraining the '■heoretical velocities 
to values smaller than those that had been observed to lead :o ilow breakdown ir practice. The success 
of this design approach is clearly apparent. 

An interesting feature of airplanes with their engines on the fuselage behind the wing is the 
effect the overall configuration has on some components of the noise heard on the grcund below the 
airplane. IHiis is particularly important for modern commercial transport aircraft ^here noise is a 
primary design constrai.-t. In figure 17 are shown noise data recorded by Boeing underneath Boeing 727 
and 737 aircraft, respectively. Hie data have been adjusted to similar aircraft and engine conditions 
so that the effect of configuration differences could be isolated. The data were recorded w th the 
aircraft in the approach condition prior to landing. At that condition noise lAJiatini forward from 
the inlets is dominant so that the 727 airplane tends to appear somewhat qu eter to an observer in 
front of the aircraft than the 737. This is because for that observer noise fr m the engines is 
shielded by the wing. 

Airplane balance is the relationship of the center of gravity of the airplane to the 
aerodynamic stability limit; for different loading conditions.Ulis is more difficult to achieve for 
an airplane when the eng'.nes are on the aft-fuselage. This is because of tne la-rge difference in the 
positions of the center of gravity of the payload and the center of gravity of the propulsion system. 
Large shifts in center of gravity, therefore, occur from one operating condif-jn to the next. It is 
obvious that the problem would be worse with increasing payload and engine weight. 

The aft-engined configuration has many attractive features, however, parti ularly for an aircraft 
whose mission demands good airport performance in terms of high-lift and noise;but extrd care is needed in 
the aerodynamic design to ensure good post-stall characteristics and satisfactory transonic drag 
characteristics. It will be shown in the next section that some of the less attractve features of 
the aft-engined airplane become increasingly more severe with increasing airplane and engine size. 

EFFECTS ON IHCREASINO KWQINE SIZE 

The decisive effect that increasing bypass ratio has on the propulsive effl iency of turbofan 
engines is illustrated in Figure 18. It can be seen that an increase in bypass ratio from zero to six 
on a subsonic turbofan engine leads to an improvement of about 50 percent in tlis uninstalled specific 
fuel consumption of the engine. According, it is no surprise that the high bypass rstio engine is 
finding increasing application on military and commercial subsonic transport airciaft where good fuel 
consumption is a primary design goal. 

High bypass ratio turbofan engines are bulkier and heavier per unit of cruise thrust. Kieir 
size makes the problems of nacelle-air frame intergration muc-i more difficult to solve. Not only are 
the direct aerodynamic problems more difficult, the ' onfiguratlon problems resulting from the size of 
the engine constrain the aerodynamic design more severely than is the case for the smaller turbojet 
engines. 

In Figure 19 is shown how the size of a typical subsonic turbofan engine would have to change 
with increasing bypass ratio. It has been assumed th t bypass ratio is varied while maintaining 
constant uninstalled thrust at cruise altitude and speed, that is at constant airplane cruise drag. 
It is seen that engine dimensions almost double when bypass ratio is increased from bypass one to 
bypass eight. Obviously, then it Is not likely that an airplane designed with the higher bypass ratio 
engine will have the same drag as Ihe airplane with ;.he lower bypass ratio so that the propulsion 
efficiency benefits of high bypass -.tlo engines cannot be directly translated into performance benefits. 
The need to design for low drag is then also obvious, par'icularly when mission goals include an 
engine sizing requirement for cruise thrust and/or climbing thrust. 

The aerodynamic design problem to achieve low cruise drag and one method of solution are Illustrated 
in Figure 20. On the left hand side of the figure is shown a side view of the nacelle of the Boeing 707 
airplane relative to its local airfoil. Around the nacelle an estimated contour is shown inside of which 
the flow Is at a Mach number equal to or greater than Mach 0.9 when the airplane is at Mach 0.87. It Is 
seen that the distance between the nacelle centerline and the wing is such as Just to avoid serious 
interference problems. On the right-hand side of Figure 20 is shown a similar sketch for the Boeing 71*7. 
The ihl  features an engine with a much greater bypass ratio than the 707 engine. The potentially more 
serious pr blem was solved by shortening the fan cowl so that the field of high Mach number flow «round 
the nacelle was kept well «way from the «irfoil. A short fan cowl has other losses, however, so that 
this method of solution Is not always the best. 

The large engine cowls have extensive and strong flow fields. Not only are the cruise drag 
«nd high-lift c«p«blUty of the «irplane affected, but so «re the flutter cheracteristics of the wing, 
as shown in Figure 21. In this figure relative flutter speed is shown plotted versus outboard macelle 
side bending frequency as measured in two wind tunnel experiments with flutter models. In one case,the 
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model was tested with small heavy bodies which retained the mass  and inertia effects  of the engines, 
but which had essentially no aerodynamic effect because of their small size.    In the second case  flow 
through nacelles  of high bypass ratio engines were added to the model.    The unfavorable effect of nacelle 
aerodynamics can be seen clearly. 

US 
An additional serious problem resulting from the integration of higher bypass ratio engines  is 

the impact these have on the design of the landing gear for airplanes with conventional underwing mounted 
engines.    The effect is Illustrated in Figure 22.    It can be seen that substantial increases  in landing 
gear weight are associated with Increasing bypass ratio.    Hie plot is for constant engine cruise thrust. 
In practice, the penalty would be greater owing to the Increase  of airplane drag with increasing bypass 
ratio so that engine size would have to increase somewhat more to allow for needed additional cruise 
thrust.    Additional engine airframe   integration   problems can result directly from the large engine airflow 
associated with the high bypass ratio engine.    Shown in Figure 23 is the adverse effect such flow can 
have on rudder effectiveness when the engine is in a thrust reversing mode.    The configuration examined 
here is one with engines mounted aft on the fuselage in the vicinity of the vertical tail.    Complicated 
and expensive wind tunnel testing is necessary to develop such installations and eliminate serious 
potential design problems. 

As engines get bulkier and heavier, configuration problems  become more difficult.    This is 
particularly true for configurations where the engines are located long distances from the airplane's 
center of gravity.    The point is  Illustrated in Figure 2k.    Two airplane configurations with different 
engine arrangements are compared.    One configuration has the center of gravity of the engines at the 
center of gravity of the airplane;  the other has the engines  on the aft-fuselage.      Payload is then 
increased for both configurations while maintaining mission and performance capability.    To allow this 
increase in payload,   it is necessary tc increase fuselage size;  and to maintain mission and performance 
goals, it is necessary to increase,  correspondingly,  takeoff gross weight and engine size.    It is  seen 
that the efficiency of the airplane with aft-mounted engines deteriorates with Increasing airplane size. 
This  is due to the consequences  of Increasing weight of the engines at the back of the airplane.     Ihe 
airplane gets heavier not only because the engine gets heavier, but also because more area is needed 
at the back of the airplane to provide additional stabilizing surface for the aft-moving center of 
gravity and lengthening forebody.    The forebody must be lengthened relative to the aft-body to balance 
the added weight at the back of the airplane, and as a consequence,  the spread between the center of 
gravity of the airplane '■t full payload and the center of gravity of the empty airplane increases 
rapidly.    When the weight of the engines becomes  increasingly large,  the efficiency of the airplane 
with aft-mounted engines diminishes rapidly. 

I 

It was shown that increasing engine size has adverse effects on both conventional underwing 
engine arrangements as well as aft-body mounted engine arrangements.  In the next section, overwing 
engine installations are considered. 

OVERWINO ENGINE INSTAI.LATI0N3 

It is interesting to consider overwing engine installations with high bypass ratio engines for 
many reasons. One might expect that many of the engine-airframe integration problems that are due to 
the bulkier engine might be easier to solve. The center of gravity problems of the aft-fuselage 
Installation are avoided, and so is the the installation problem associated primarily with the length 
of the landing gear for underwing engine installation. In Figure 25 are shown typical airplane 
configurations with overwing engines. Some additional obvious advantages are reviewed below. 

The overwing engine installation is less susceptible to suffering from Ingestion of stones 
and slush into the engine inlets during ground operations, particularly at takeoff; see Figure 26. 
This configuration would be of special value to military transport aircraft operating from unprepared 
runways, and this type of mission would therefore benefit from such an engine arrangement. 

With the Jets blowing over the upper surface of the wing, Figure 27, advantage can be taken of 
the Coanda effect to achieve lift augmentation. This is a particulary effective method of producing 
high lift at the lower aircraft velocities associated with takeoff and landing operations. Such an 
engine arrangement should be attractive, therefore, for airplanes designed for short or intermediate 
airfield operations. 

1 

Of special value to the design of modern commercial transport aircraft la the good community 
noise characteristics of the overwing engine installation. Relativo to an observer on the ground, 
the airplane's wings act as a shielding surface protecting the observer from the important high 
frequency component of the aft-radiated engine noise. Experimental results are shown in Figure 28. 
It is seen that when the engine nozzle is positioned suitably above the wing, considerable shielding 
of the noise emanating from the back of the engine takes place. It can be shown that, to achieve 
comparable noise suppression by other means, with a more conventional engine installation would result 
in significant performance penalitiea in terms of weight and internal propulsion system losses. 

One of the more serious questions on overwing engine installations has been aerodynamic cruise 
drag. At the high-speed cruise condition the flow on the upper surface of a swept-wing Jet transport 
generally determines the airplane's "critical" Mach number. At a Mach number only slightly greater 
than the critical Mach number,the airplane has much more drag, and it is not profitable to operate 
an airplane at Mach numbers greater than the critical Mach number. The increase in drag can be 
associated with many causes, but in general it occurs when a shock wave on the upper surface of the 
wing (where they often first occur) becomes strong enough to provoke large-scale boundary-layer 
separation. One might assume, at first sight, that locating engine nacelles in the critical flow 
on the upper surface of a wing would cause early flow breakdown. This would be due to increased 
local velocities as the flow goes around fie nacelle. It has been shown, however, that early flow 
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breakdown can be avoided If attention is given to this effect in the design of the wing-nacelle 
combination, as will now be discussed. 

It is well over ten years since digital computing machines have been introduced in aeronautical 
design offices.    The use of these machines has made possible the extension of proven aerodynamic 
theory from simple shapes such as airfoils and bodies  of revolution to more complicated geometries. 
In Figure 29 is shown the theoretical representation of a swept-wlng airplane with overwing nacelles. 
The irrotational subs critical flow around the airplane, and in particular over the wing upper surface, 
can be calculated with great accuracy and the shape of the nacelle and wing readjusted in each other's 
presence to achieve a desirable flow field.    To design a lorf drag configuration it is necessary, 
however,  to augment the theoretical calculations with wind tunnel experiments.    This is because the 
real flow contains many features  that are beyond the bounds  of validity of theory and the theoretical 
flow has to be related to the actual flow.    Now the application of the digital computer also to wind 
tunnel data processing has  increased the capability of the latter by several orders of magnitude so 
it is expedient as well as useful to apply such data to theoretical calculations.    In Figure 30 are 
shown estimated surface flow streamlines  over a swept wing with supercritical airfoils at lifting 
transonic conditions.    These were determined on the basis of experimental pressure distributions, 
surface    flow visualization studies,  and theoretical calculations.    Using  these data and with other 
calculations a wind tunnel model was designed and tested.  The results. Figure 31,  showed that it is 
practical to consider upper-wing nacelles  in conjunction with a high-speed wing.    The goal of the wind 
tunnel model was  to demonstrate a cruise Mach number of 0.8 with a wing of 25 degrees sweep,  along 
the quarter chord line,  using thick supercritical airfoils.    As is the case with these airfoils,  the 
wing operates at cruise with a shock wave of moderate strength on the upper surface.    The location 
and strength of the shock wave is critical to the success of the wing.    Two sets  of overwing nacelles 
were tested;  one aligned in the average local flow field,  the other contoured in detail for  favorable 
interference at the cruise condition.    It can be seen that the design procedure was successful and 
that contouring the nacelle produced a shock wave movement and weakening with favorable effects.    The 
actual measured wlng-body-necelle drag,  at lift,  is very close to what is calculated when the estimated 
profile drag of the nacelles  is added to the measured drag of the wing-body.    The achievement of low 
drag with overwing nacelles,  although a problem,is thus amenable to satisfactory solution. 

■ 

The successful design of airplanes with overwing nacelles will require examination of many 
other problems as well. As an example, the design of the internal contours of the nacelle, in particular 
the nozzle, must take place taking account of the external flow field. Ulis is another area where 
the solution will depend on the successful combination of modern experimental and theoretical 
techniques. Complicated wind tunnel models will be necessary to sort out drag and thrust and indeed 
lift, moments, and thrust. Different detail design may be necessary if the specific performance 
goals are aimed at high-speed cruise performance, or very low takeoff and landing speeds, or particular 
engine noise shielding with the wing. These will have to be well understood to achieve the correct 
compromise. Careful simulation will be necessary to Investigate airplane flying characteristics 
and to relate these to different engine operating modes. Fortunately, the "state of the art" has 
reached the stage where all this is possible. 
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SUMMARY 

Three-dimensional viscous flow separations and their effect on 
configuration drag are examined in high Reynolds number tests conducted in the NAE 
5—ft x 5—ft blowdown wind tunnel in both subsonic and supersonic flow.  In 
particular, emphasis is placed on the geometry of the system to divert the oncoming 
boundary layer about propulsion nacelles. 

To avoid significant three-dimensional separations, it is clear that one 
must avoid imposing large adverse streamwise pressure gradients upon an oncoming 
boundary layer, such as those produced near stagnation point regions of bluff 
diverters, or adjacent to intakes operating below design mass flow.  The avoidance 
of these strong streamwise pressure gradients is seen to be readily achieved by 
increasing the diverter slenderness ratio and by keeping intakes operating at design 
conditions by means of auxiliary by-pass arrangements. 

LIST OF SYMBOLS 

a angle of incidence 
BWN#      body/wing/nacelle configuration on drone model 
CQ        drag coefficient; for drone, based on body cross-sectional area 

(except where noted); for delta wing, based on wing area 
CL        lift coefficient of delta wing, based on wing area 
CN        normal force coefficient of delta wing, based on wing area 
6 boundary layer thickness 
h height of boundary layer diverter 
L length of drone model; also length of simulated propulsion nacelle 
L/D       slenderness ratio of simulated propulsion nacelle on drone model 
Moo        mainstream Mach number 
Rc        Reynolds number based on undisturbed stream conditions and maximum 

chord length of delta wing 
RL        Reynolds number based on undisturbed stream conditions and length of 

drone 
S planform area of delta wing 
V "thickness" volume of delta wing 

INTRODUCTION 

i 

i 

In comparing wind tunnel and flight measurements of configuration drag, 
the aircraft or missile project engineer often finds significant differences 
between these and between the estimates that gave rise to the configuration under 
study.  Such differences are usually attributed to a host of uncertainties, among 
which are: differences in Reynolds number, incorrect simulation of engine and 
exhaust flows, and support interference; while on the flight vehicle, leakage, 
local protuberances and cavities, poor fitting between butt-joints of the skin 
panels, and paint roughness, provide contributions to drag that are not found on 
the wind tunnel model, nor are they often included in the estimates with any degree 
of certainty.  Where local protuberances and cavities exist, or where there are 
externally imposed pressure fields from neighbouring nacelles, three-dimensional 
separations of the configuration boundary layers ensue.  Unfortunately, these are 
not generally accounted for, either because there is no suitable calculation 
procedure available, or because there is a lack of appreciation of the fluid 
mechanics.  Indeed, two aspects of aerodynamic design that receive less than due 
attention, are flows about boundary layer diverters, and about cavities.  In this 
paper, we should like to concentrate on discussing the merits of various boundary- 
layer diverter shapes in subsonic and supersonic flow that were introduced in 
Reference 1.  All measurements were made in the NAE 5-ft x 5-ft blowdown wind-tunnel 
under conditions of high dynamic pressure where Reynolds numbers were about 25 
million based on typical vehicle lengths of 3-feet. 

As many of the results to be discussed will involve the observation of 
surface shear stress trajectories from oil flow visualisation tests, we should 
perhaps recapitulate on how we identify lines or regions of three-dimensional 
separation and attachment.  We identify a separation line as being where the surface 
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shear stress trajectories converge and coalesce, and an attachment line as where they 
originate and diverge rapidly.  When the lines of separation are at an oblique angle 
with respect to the direction of the external (inviscid) mainstream, the resulting 
shear layers roll-up to form comparatively steady vortex motions.  It would appear 
that the alternative long bubble type flows (see Maskell(2)) where the shear stress 
trajectories within the bubble originate far downstream, are not generally found 
under high Reynolds number test conditions. 

2.  DIVERTERS IN SUBSONIC FLOW 
2.1 The model 

In subsonic flow, emphasis was placed upon evolving a boundary-layer 
diverter (of cylindrical form) that was situated between a fuselage and an adjacent 
propulsion nacelle, and which produced the least extent of separation of the fuselage 
boundary layer.  It was considered that such a design would be tantamount to 
providing a nacelle/boundary-layer diverter configuration that yielded the least 
component drag.  A suitable carrier for the nacelles was a one-third scale model of 
a pilotless drone, which was mounted on a sting support in the blowdown wind tunnel. 
Surface shear stress patterns in the regions of separation and under the interacting 
flows over the vehicle afterbody were visualised using surface oil flow techniques, 
to provide a skeleton structure on which to synthesise the flow. 

Most of the measurements were made at zero angle of attack and at Mach 
numbers between 0.5 and 0.8 with a mainstream dynamic pressure of about 1100 psf. 
This high dynamic pressure along with a sensitive drag balance made it possible to 
determine small changes in component drag coefficient to an accuracy of +5 drag 
counts (that is, ±0.0005).  In addition, static pressure measurements on the boat- 
tail surface provided the means of obtaining afterbody pressure drags and 
correlating the effects of the upstream nacelles with the observed surface flow 
patterns.  We should mention that since the base area plus the boat-tail thickness 
was together 26.5 percent of the body cross-sectional area, the strain gauge drag 
baiaice recorded the external drag minus the thrust given by the positive base 
pressure coefficient.  In fact, the base "thrust" was almost 70 percent of the 
balance drag measurement, so that the balance readings were corrected to an 
effective base pressure equal to that of the mainstream. 

The model, of length 33.75-inches, consisted of a 4.33-inch diameter 
cylindrical fuselage, to which was attached a tangent-ogive nose and a circular arc 
boat-tail whose radius in the longitudinal section was 2.5 times the body diameter. 
Unswept cruciform wings of 4-inches span, 2.67-inches chord, and thickness/chord 
ratio of 9 percent, were mounted at the rear of the vehicle, just ahead of the boat- 
tail.  Two diametrically-opposed "D-shaped" propulsion nacelles shown on Figure 1, 
were situated along lines midway between the wings and upstrsam of the wing leading- 
edge.  Before conducting the tests, we noted that there was scanty information 
available in the literature, either of an analytical or an empirical kind, on the 
pressure distributions and interference drags of body/wing/nacelle combinations 
of this type.  Consequently to widen the investigation, a series of interchangeable 
propulsion nacelles was designed, possessing three slenderness ratios, L/D, of 5, 
6.67 and 10.  The centre-line depth of the boundary layer diverter was kept constant 
at h = 0.2-inch, this being equal to about 70 percent of the calculated local 
fuselage boundary layer thickness, and representative of a flight vehicle 
installation.  In addition, the nacelle length was maintained constant for each 
nacelle slenderness ratio.  Hence, we note that the L/D ratio was varied by scaling 
the radial dimension in the cross-sectional plane of the nacelle.  Figure 1, in 
fact, lists the scaling factors.  Since the propulsion nacelles were solid and did 
not possess a "through-flow" capability, the nacelle length included an extension 
forward of the capture plane to "fair-in" the intake and thus to attempt simulation 
of the boundary between the internal and external flow. 

Figures 2 and 3 show that four interchangeable boundary layer diverters 
were available for each nacelle slenderness ratio. These were a bluff elliptical 
section; a blunt bi-convex section of the same length; plus slender bi-convex and bi- 
cusped sections of almost double the length of the bluff planforms. 

2.2 Flow visualisation 

The progressive improvement in diverter flow obtainable by increasing the 
slenderness of the diverter itself, whilst maintaining a constant maximum diverter 
frontal width, is demonstrated on Figures 4A to 4F, for a nacelle slenderness ratio 
of 5.  These tests were run at mainstream Mach numbers of about 0.7 (and 0.8) at a 
Reynolds number of 23 million based on the length of the drone. On the photographic 
illustrations, the upper pictures display the nacelles in situ on the drone body, 
while the nacelles have been removed on the lower photographs to reveal the diverter 
shapes and the oil flow visualisation.  The four shapes of boundary-layer diverter 
are seen, ranging from the bluff, elliptical diverter that causes a large separation 
region about and downstream of the obstacle, to the slender bi-cusped diverter that 
does not generate any appreciable separation.  Interspersing the photographs are 
Figures 4C and 4F, which are tracings of the three-dimensional separation lines 
plotted upon an unrolled fuselage wall, to provide additional views of the lateral 
extent of each separation region in proximity to the diverter. The results for the 
other nacelle slenderness ratios of 6.67 and 10 were qualitatively the same. 
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While concentrating on the flow visualisation photographs of Figure 4,we 
should remark on the region of high scour (and consequently high shear stress) 
downstream of the nacelle, which is present irrespective of the diverter used.  It 
is not clear from Figure 4 how this region develops.  Turning to Figure 12 however, 
where incidence exacerbates the severity of the three-dimensional separations about 
another nacelle/wing configuration, the clue is provided for resolving the commence- 
ment of the afterbody high shear region.  We see on this figure, where streaks from 
oil dots provide a clearer indication of surface shear direction, that coalescence 
of the surface shear stress trajectories occurs on the back surface of the nacelle, 
to herald two lines of three-dimensional separation which proceed rearwards along 
the afterbody.  The rolled-up free shear layers from these separations would appear 
to induce an attachment region along the extension of the nacelle centre-line along 
the afterbody, where we view the divergence of the oil streaks.  It is hoped that 
our schematic interpretation on Figure 12 of a given cross-section of the flow at 
the rear of the nacelle, where wing root separations are also substantial, will 
assist in the above description. 

One further point:  the accumulation of surface oil in what are apparently 
low shear areas on the boat-tail, does not indicate separation, for a substantial 
recovery in surface pressure all the way to the base was given by the boat-tail 
static pressure measurements.  In the event of a poor boat-tail boundary-layer flow, 
on the other hand, the rolled-up shear layers might well provide a vortex generator 
effect to fill out the velocity distribution in the remaining boundary layer, and 
perhaps reduce a high form drag. 

2.3  Drag measurements 

Substantial support for the interpretation of the flow visualisation 
results was provided by the model balance and boat-tail pressure drags, which 
demonstrated that the total configuration drag could be reduced significantly by 
changing the boundary-layer diverter design.  Except where noted, drag coefficients 
were based on the body cross-sectional area of the drone.  Component drags for the 
nacelles (including the diverters) and wings, were determined from tests with and 
without the appropriate component added to a given configuration.  The results showed 
that within the accuracy of measurement, the incremental component drags were 
independent of the configuration to which they were added; with the exception of 
adding nacelles to the body without wings at Moo = 0,7.  In this latter case, two 
different diverters, Nl and N7, were attached to the "body only", and both showed a 
doubling of the nacelle (plus diverter) drags when compared with attachment to the 
wing body configuration.  At Moo = 0.5, however, no such difference was found.  Thus 
it appears that when compressibility effects become important, the addition of the 
wings in the vicinity of the nacelles reduces the pressure drag to provide a 
favourable interference effect. 

i 

Figure 5 illustrates that the nacelle incremental drag appears 
substantially independent of Mach number in the range 0.5 < M» < 0.7.  In contrast, 
the same figure shows that the total drag of the body/wing nacelle configurations 
increases with Mach number, while the same trend is noted for the boat-tail pressure 
drags displayed on Figure 6.  A closer examination of Figures 5 and 6, however, 
indicates that the increase in total drag may be attributed to the increase in boat- 
tail pressure drag alone. We observe, moreover, that increasing both the diverter 
slenderness and the nacelle slenderness produces a progressive reduction in boat- 
tail pressure drag. 

We should emphasise that in none of the tests was there any evidence of 
a two-dimensional separation on the boat-tail (apart from the anomaly of the surface 
oil accumulation previously mentioned).  The static pressures along each longitudinal 
generator of the boat-tail (Figure 7) increased smoothly to a base pressure co- 
efficient of about 0.2.  Unfortunately, it would appear that the circumferential 
spacing between the static pressure orifices, Figure 8, was probably too large to 
permit identification of local suction peaks caused by the rolled-up shear layers 
from the vicinity of each nacelle. 

The nacelle (plus diverter) incremental drag is displayed on Figure 9 as 
a function of nacelle slenderness ratio, L/D.  Because the L/D ratio was achieved 
by varying the nacelle diameter, whilst maintaining a constant nacelle length, the 
drag increments attributabla to mounting a nacelle-plus-diverter on the drone are 
here based on the frontal area of the nacelle (including the diverter).  As we 
expressed before, no significant change of drag increment with Mach number was 
evident throughout the Mach range, 0.5< M^ < 0.7. 

Nevertheless, we note that changing the nacelle slenderness ratio from 
5 to 10, causes the drag to rise to a raaximun; and in the case of the bi-convex and 
bi-cusped diverters, to reduce again.  The replacement of the elliptical diverter 
by either the slender bi-convex or the bi-cusped diverter yields a significant 
reduction in the total drag of the nacelle.  Correspondingly, at L/D = 5, the 
slender bi-convex diverter itself possesses about 2/3 of the drag of the elliptical 
diverter; whereas, at L/D = 10, the fraction improves to almost 1/2. 

—V 
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2.4 Influence  of intake  "through-flow"   and angle of  attack 

We  determine   from the  foregoing,   therefore,   that not only is  nacelle  shape 
important,   but  that when designing boundary  layer diverters,  we must avoid  the 
imposing  of  large adverse streamwise pressure  gradients,   such as  those  produced near 
stagnation point regions  of bluff cylinders.     Provided the  slenderness  ratio  of  the 
diverter itself is such that it presents  a bluff-body pressure  field to the oncoming 
boundary  layer—and this would be  for diverter  slenderness ratios near  unity   it is 
clearly  immaterial whether the  shape of  the diverter is  rounded or wedge-shaped,   for 
strong separations will  always be generated (3) . 

Some questions will be  raised concerning the  procedure of testing with 
the"blocked"     propulsion nacelles  that have  been discussed thus   far.     As  a 
qualitative  answer.   Figure 10 provides  a comparison between the patterns  of  surface 
shear  stress  trajectories around a nacelle with  an elliptical diverter operating 
with and without  "through-flow",   and at  the  same  Reynolds  number  as before.     The 
details of  the  configuration geometry have been changed  from those investigated 
previously,  but we note  that operating with a mass  flow ratio of about  0.6 provides 
only small changes to  the streak patterns about the diverter.       Moreover,  we  see on 
Figures  11  and 12,  that with the drone  at angle of attack,  the close proximity  of 
the wings  to the propulsion nacelle provides  a constraint to reduce the  incidence 
at the  intake  capture  plane;  but does  not alter  the  fact  that a  three-dimensional 
separation exists about  the bluff diverter. 

2.5 Post-script 

In   flight trials with  a drone  three  times  the  scale of  the wind tunnel 
model discussed herein,   and where much of  the  relevant configuration geometry was 
duplicated between model  and full-scale,   the  replacement of elliptical  boundary- 
layer diverters by the  bi-cusped design on  "through-flow"  nacelles,  produced a  6  to 
7 percent reduction in  total drag at M» -  0.7(4).     Surprisingly,   this welcome 
decrease was  significantly larger than that measured in the wind tunnel.     A 
tentative  reason for the discrepancy was  thought to be  related  to the differences 
between  the  wind tunnel  and full-scale  boat-tail  flows.     Because,   in  flight,   there 
were protuberances and  cavities on the  boat-tail,   its   flow would be more  disturbed 
than that on  the wind  tunnel model.     This,   coupled with  the hot  jet efflux in 
flight controlling the  base pressure  level at  a more-or-less constant  setting  at 
a given Mach number,  would probably require  the  improvement in diverter  flows  to be 
indicated directly as  a  reduction  in nacelle drag -  rather than as a diverter 
drag/base drag  trade-off that was established  in the  tunnel tests. 

\ 

3. DIVERTERS IN SUPERSONIC FLOW 

3.1 The model 

A viscous problem somewhat related  to diverter  flows occurs when attempts 
are made  to take advantage of so-called  "favourable  interference"  effects, 
particularly on supersonic aircraft layouts.     Such favourable interference  is 
always   accompanied by  local adverse pressure  gradients   that are  superimposed  upon 
the wing and  fuselage  boundary layers  and which usually  promote  three-dimensional 
separations.     The interaction between  the  shock  system  from an unstarted  inlet  and 
an adjacent wing boundary layer,   for  instance,   would be one extreme case where   large 
scale  separation with  free vortices would be  formed. 

A  70°-delta  wing with  frur  axisymmetric intake  nacelles   (plus  supporting 
pylons)   that were positioned and scaled to be  typical of  a supersonic transport 
layout,  was  tested at Reynolds numbers of about  25 million based on the maximum wing 
chord of  30-inches.     The cropped wing  span at  the trailing-edge was  21.07-inches, 
while  the wing volume coefficient V/S^-'S was  chosen to be  0.04.     The uncambered wing 
had a thickness distribution chosen from the  RAE Lord V series*,   but modified near 
the centre-line to accommodate a six-component  strain-gauge balance and model  support 
sting.     Off-design Mach numbers of 0.71  and 1.59,  and the design case of Moo =  2.75, 
were used to  investigate  the increase  in drag due to adding diverters   (the pylons) 
and simple  "through-flow"  engine nacelles.     The nacelles  contained a fixed 
axisymmetric  centre-body cone of  11.5°   semi-apex angle with little internal supersonic 
compression.     The included angle of the  cowl  lip was  2.75*   to provide a  low cowl drag 
while the capture diameter was 1.125-inches. 

^-MMHI) 
x \3n 

where c =  30.0",  b = 21.9",   t        =  1.810". max 
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The diverters with included angle of 11°, were machined to a height of 
0.5-inch, which was about two-and-a-half times the oncoming boundary layer thickness 
mid-way between the two nacelles situated on one semi-span. Some additional 
diverters of the same height and slenderness ratio as the wedge diverters, but with 
an elliptical planform, were formed by moulding modelling clay around a pair of the 
original pylons (see Figure 16C) . 

3.2 Lift, drag and flow visualisation results 

Figure 13 presents the lifting performance of the delta wing to illustrate 
the "favourable interference" accruing when the underwing nacelles are mounted on 
the diverters.  The design cruise lift coefficient of 0.08 occurred at about 
a - 3° and we notice that with the intakes throttled to 70 percent of design mass 
flow, a change in lift was recorded of about 30 percent. Notwithstanding the 
substantial lift increment produced by the pods and diverters, we observe on Figure 
14A that a large drag penalty results at design incidence, with the wedge diverters 
providing about 25 percent of the nacelle plus diverter drag at full throttle. 

As the Mach number increases, we note on Figures 14B and 14A the gradual 
reduction in incremental nacelle-plus-diverter drag.  At M,» = 2.75, the shock wave 
from the centre-body spike is situated on or just inside the cowl lip so that no 
intake flow is spilled.  For Moo'< 1.75, however, the cowl shock is detached and 
large spillage occurs. 

Figure ISA, for example, illustrates the limiting streamline pattern on 
the undersurface of the lifting 70o-delta wing, at M«,  = 1.6 and 0=2° (CL = 0.08). 
The two intakes in the lower half of Figure ISA are operating with the throttle 
wide-open, but the detached cowl normal shock causes a large-scale interaction. 
With the throttles half-closed within the upper two intakes, there is even more 
spillage with a well-defined three-dimensional separation line e\cending virtually 
across the wing semi-span.  With the intakes removed on Figure 15B, one may infer 
local regions of subsonic flow downstream of the interaction. 

Figure 16A shows the delta wing with the two lower intakes operating at 
design mass flow with centre-body cone shock on lip.  We note from Figure 16B the 
relatively small regions of three-dimensional separation caused by the wedge-shaped 
diverters and cowl pressure field. The upper pair of intakes was throttled 
internally to about 70 percent design mass flow, forcing the throat normal shock 
again outside of the cowl lip.  The result of this subcritical operation is to once 
more cause a massive three-dimensional separation of the starboard underwing 
boundary layer, a substantial induced rolling moment, and high local heat transfer 
rates in the reattachment regions downstream of the separation.  The corresponding 
large increase in drag with all intakes unstarted is shown on Figure 14A. 

Finally, Figure 16C depicts the differences in surface flow patterns 
about the streamlined and bluff diverters.  The bluff elliptical leading-edges 
promote regions of separation that are clearly many times more extensive than the 
interaction regions about the 11° (included angle) wedge diverters. 

4.  CONCLUSIONS 

(1) In subsonic flow, a substantial reduction in diverter drag was measured by 
increasing the slenderness of the diverter to reduce the extent of the three- 
dimensional separation region.  The replacement of an elliptical bluff diverter 
by a slender bi-cusped section reduced the component drag of a nacelle plus 
diverter of slenderness ratio S by as much as 30 percent. 

(2) In supersonic flow, diversion of a boundary layer on a 70°-delta wing in 
proximity to a propulsion nacelle was shown to be accommodated without 
significant separation at design cruise incidence and Mach number of 2.75 
using a 5.5° wedge semi-angle. The throttling of the intake flow, to cause 
large spillage and intake shock/wing boundary layer interaction, produced a 
massive three-dimensional separation region with a corresponding increase in 
drag of 40 percent. 

(3) It is clear that the aircraft or missile designer must recognise the existence 
of three-dimensional boundary layers on a given configuration, and be aware of 
the components that promote diverse kinds of three-dimensional separations. 

f/t, 
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Fig.7    Effect of nacelle   Nl   on boat-tail pressure distributior. at   M» = 0.5 ; configuration   BWN 1 
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Fig.8    Effect of nacelle  Nl   on boat-tail circumferential pressures; configuration   BWN 1   at   M«, = 0.5 
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Fig. 13    "Favourable interference" effect on lift of 70° delta wing at  M«, = 2.75 ,   RCo = 24.106 
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Fig. 14(a)    Lift/drag polare: 70° delta wing with 4 nacelles supported on pylons at design Mach number 
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Fig. 15(a)    Lower surface oil flow visualisation on 70° delta wing at off-design Mach number 
M«>= 1.59,  a= 2° ,   Rc   = 15.106 
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Fig. 15(b)    Lower surface oil flow visualisation on 70° delta wing at off-design Mach number 
Moo = 1.59,   a= 2° ,   Rc   = 25.106 
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Fig. 15(c)    Lower surface oil flow visualisation on 70° delta wing at off-design Mach number 
Via>= 1.59,   a= 2°,   Rc   = 25.10* 
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Fig. 16(a)    Lower surface oil flow visualisation on 70° delta wing at design Mach number 
M00= 2.75,  a= 3°,   Rc   = 24.10* 
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Fig. 16(c)    Lower surface oil flow visualisation on 70° delta wing at design Mach number 
Mo0= 2.15 ,   a= 3° ,   RCo = 24.106 

WITH NACELLES REMOVED TO SHOW PYLONS 
(BOUNDARY LAYER DIVERTERS) 
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Fig. 16(b)    Lower surface oil flow visualisation on 70° delta wing at design Mach number 
M00= 2.75,  a = 3°,  RCo = 24.10* 
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THE DRAG OP EXTERNALLY CARBIED STORES - ITS PREDICTION AND ALLEVIATION 

by 

P.G.Pugh and P.&.Button 

Royal Aircraft Establishment, Bedford, England 
Aircraft Research Association Ltd, Bedford, England 

SUUHARY 

The installed drag of stores makes a major contribution to the total drag of combat aircraft.      It osn 
be several tines the sum of the free-air drags of the individual stores and its prediction and reduction 
are essential to the design    of high-performance aircraft.      Interference effects involved range from 
simple buoyancy to complex interactions involving viscous and wave drag phenomena. 

For the simpler cases there are good prospects that the installed drag can be accurately predicted 
either by current methods or by relatively straightforward extensions of these.      However, empirical 
methods will continue to be needed for the prediction of the drag of complicated cases eg multiple store 
arrays at transonic speeds. 

Finally, some examples are given to show the opportunities for reducing the installed drag either by 
redesigis to take advantage of improved mechanical systems or through the development of radically new 
installations. 

n-i   - 

NOTATION 

CA 

CD 

ACD 

ACDA ACDC 

ACDA SWET 

Ic DCOMP 

^si 

'si 

KA 

Kl 

MC 

*s 

^SI 

axial force coefficient 

Drag coefficient 

Increment in CD 

AC]j at M^ and WQ respectively 

low speed increment in drag coefficient based on wetted area 
of store assembly 

Sum of free-stream drag coefficients of components of store 
assembly 

CQ of a single isolated store 

Pressure coefficient 

Lift coefficient 

Maximum diameter of store 

Fineness ratio of a single Isolated store 

Factor defined in section 2 

Factor defined in section 2 

Installation factor (defined in section 1) 

Free-stream Mach number 

Initial drag rise Mach number 

The Mach number at the start of the steep drag rise 

Axial stagger of stores 

Parameter defined in section 3 

THE IMPORTANCE OP THE PROBLEM 

: 

The majority of military stores are carried externally.      This practice has much to commend it. 
External carriage facilitates the inter-changeability of a wide range of stores and is often associated 
with lower release disturbances than internal carriage.      Also, as opposed to an aircraft of sufficient 
size to permit internal carriage of sufficient stores, an aircraft designed for external store carriage 
can be smaller, lighter, and have a higher performance when flown "clean", for example, on the return part 
of a strike mission.      Nevertheless, a considerable price may have to be paid for these gains.      In 
particular, externally carried stores may make a large contribution to the total drag of a fully-loaded 
combat aircraft.      This penalty arises for two reasons.      Firstly, the design of the stores themselves and 
their mountings is strongly influenced by many considerations other than their free-air, zero-lift, drag. 
They are not always low-drag devices.      Secondly, the way in which they are installed may give rise to 
large interference effects which can further increase the installed drag of the stores.     The magnitude of 
the problem is wall illustrated by the example, by no means an extreme one, in Fig (1).     This shows the 
variation with Mach number, at a fixed lift coefficient (CL « 0.2), of both the drag of a typical strike 
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aircraft in the clean condition and the 
increment in drag due to the addition of a 
typical bomb-load  (and associated carriers, 
pylons etc).      Comparison of these two curves 
highlights the severity of the problem and 
suggests  the extent of  the loss in the per- 
formance of an aircraft that can be caused by 
the external carriage of stores.      Another 
modem strike aircraft has a maximum level 
speed of 100? kn/hr at sea level when flown 
with a J016 kg bomb lord but, at the same 
altitude,  the maximum speed is increased to 
1101 km/hv after the bombs have been dropped. 

Other examples are legion, and confirm 
that the drag penalties of current external 
store loads can be very severe.     Nor is the 
problem likely to get easier in the future. 
For example, one profitable way of exploiting 
advances in wing design would be to design 
smaller (and, hopefully, cheaper) combat 
aircraft capable of carrying similar, or 
greater, loads than at present.      Thus, the 
size of stores relative to the parent aircraft 
may tend to increase, and this will, in turn, 
increase the relative importance of the 
installed drag of the stores.     Also, stores 
may need to be carried at greater speeds. 
This will lend further importance to the 
installed drag of  the stores at transonic 
speeds - where especially severe interference 
effects have been encountered. 

Conversely,  any means of reducing the 
installed drag of stores will have a large 
beneficial effect on the performance of the 
loaded aircraft. 

The importance of the installed drag gives rise to two demauda upon aerodynamioists.      Firstly,  there 
is a need for methods of predicting the installed drag of a multitude of stores in a wide variety of com- 
binations, mountinp;s,  and locations on different aircraft.      This is a formidable problem but one which it 
is essential to solve because the total utility of a projected combat aircraft cannot be properly assessed 
unless such an important contribution to its drag can be accurately estimated.      Secondly, there must be a 
continuing quest for means of reducing the installed drag of stores.      Such reductions can considerably 
improve the performance of a combat aircraft.      Indeed,  it may well be far more difficult to obtain as 
large reductions in the total drag from any other source. 

The first steps towards meeting either of these requirements is to examine the way in which the 
installed drag arises and to set up some framework for analysis.      Returning to Pig (1), the installed 
drag increment can be compared with the free-air drag of the bombs alone and with the summation of the 
estimated free-air drags of the bombs, pylons, carriers and their excrescences.      It is clear that the 
free-air drag of the bombs is  small compared to  their installed drag increment.      The additional drag 
comes partly from the mounting system (pylons,  and carriers) and partly from interference effects.      The 
latter is exemplified by the considerable difference between the estimated summation of the various free- 
air drags and the actual installed drag increment. 

In studying such effects it is convenient to work in terms of an installation factor, Kg.      Definitions 
of installation factors are not universally consistent but the one used here is believed to be the most 
ootmnon.      This is the ratio of the measured increment, A C^,  in the drag of the aircraft (due to the addition 
of a store assembly) to the sum, JCjw^p, of the free-stream drags of the components of the store assembly 
at low speed and zero lift.      Estimates must be used for some or all of these component drags because 
experimental data are net available.      Thus the incremental installed drag is  the product of Ks and 
X^D nrP'    ^S ^s a measure 0f ths interference effects.      Since free-stream drags of most stores and 
associated components in isolation are either known or can be estimated to reasonable accuracy,  the major 
problem in predicting the installed drag is in estimating Kg. 

While the prospects of reducing the drag of the individual stores themselves are outside the scope of 
this paper,  this by no means exhausts  the possibilities of reducing the free-stream drag of parts of the 
store assembly.      Conventional pylons,  carriers and other components of the assembly often have drag 
producing features which can be ameliorated.      Reducing the installation factors involves modifications of 
the flow interactions between aircraft and store components and/or of the interactions between components 
of the store assembly e.g. between individual stores mounted on multiple racks.      This is more difficult 
for multi-role aircraft canying a wide variety of stores than for specialised aircraft.     Nevertheless, 
it should be possible to achieve important gains in this way. 

2        fKS NATORB OP THE PROBLEM 

As Indicated in the preoeeding section the flow about externally carried stores is compounded of the 
flow about the aircraft, about the store assemblies, and mutual interference effects.     The store 
assemblies may present aerodynamic problems because they are not always aerodynamically clean and comprise 
several components in close proximity.      The flow about the aircraft, especially the wing, usually 
represents the fruits of much subtle and detailed research.      Judging the way in which this will respond to 
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the influence of the flow about the stores is often difficult. 

To provide a comprehensive description and/or prediction of the general case of flows about externally 
carried stores demands a knowledge of aerodynamics well beyond the present state of the art.      It is 
necessary to consider many aspects and to  study simplified,  more specific,  oases if some progress is to be 
made.      As in other branches of aerodynamics, one Important distinction that can be drawn is that between 
those flows which closely resemble potential (i.e. invisoid,  and irrotational) flows and those involving 
wavedrag or viscous phenomena other than thin boundary layers.      The flow about aerodynamically clean 
installations at subsonic speeds is generally of the former type.      For such installations,  the inter- 
ference effects^ arise because of:- 
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a) changes in the pressure distribution over the store, pylon and wing due to the interaction of the 
wing, pylon and store pressure fields i.e. buoyancy effects 

b) local changes in the skin friction draf; due to changes in dynamic pressure arising from interactions 
between the various flow fields 

o)      changes in flow direction due to the interference causing induced drag on the store or changes in the 
induced drag of the wing. 

Experimental data suggest that in many cases the second and third of these are generally small.    Thus, 
in such cases the only large effects remaining are those due to buoyancy, which in potential flow would 
cancel.      Their magnitude is illustrated in Pig (2).     Using the measured pressure field due to a very 
similar model, the buoyancy forces on two stores have been estimated^ for different ohordwise locations of 
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the store with respect to the wing upon which they were mounted.      (Vhen the estimated buoyancy forces 
were added to an estimate of the free-stream drag of the isolated store, to obtain estimated values of the 
axial forces on the installed store, the resulting curves agree extremely well with the measured axial 
force data points.      This suggests that, for similar cases, the axial "orce on an installed store can be 
accurately calculated from a knowledge of the underwing flow field.    JSomg of these results are described 
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In more detail In Ref. 12). 

For most praotloal »tore locations,  the buoyancy forces increase the drag force on the store and re- 
duce that on the wing.      In potential flow these effects balance.      Thus, at low incidence and Mach number, 
it is found that the large interference drag forces acting on single stores, when pylon-mounted not too 
close to a wing lower surface, are affectively cancelled giving installation factors close to 1.0. 

Ibis simple result becomes invalid as viscous 
or wavedrag phenomena become important, for example, 
as Kaoh number is increased.      Figure 3 shows the 
variation of the installed drag increment of a store 
when carried under wings of two different wing-sweep 
angles.      It will be seen that higher drag increments 
are found at the higher Mach numbers.      Increased 
wing-sweep tends to delay the occurrence of these 
unfavourable effects. 

Interference effects also occur between the 
components of a store assembly.      For this reason it 
is sometimes convenient to treat the Installation 
factor, Kg, as composed of two factors, K^ and Kj, 
where KA IS the ratio of the free stream drag of the 

COKP' of the free 

FIG.3  DRAG  INCREMENTS  FOR STORES 
ON WINGS OF DIFFERENT SHAPE 

store assembly to the sum, ECD 
stream drags of its component parts and Kj is the 
ratio of the measured Increment In the drag of the 
aircraft (due to the addition of the store assembly) 
to the free stream drag of the store assembly.      A 
simple case of interference between components of an 
assembly occurs between a single store and the pylon 
upon which it is mounted.      An example is given in 
Pig (k).      In this the measured drag of the combin- 
ation of a store and a pylon is compared with the 
measured free-stream drags of these components when 
tested in isolation^.      The sum of the free-stream 
drags of the pylon and the store is reasonably close 

to the drag of the 
combined store and 
pylon.      In this case, 
the interference effects 
are relatively small 
(KAa 1.2). 

Pylon and store A much larger con- 
tribution to the drag of 
the store assembly arises 
from interference between 
the stores themselves and 
between the stores and 
the carrier when several 
stores are hung from the 
same pylon.      This will 
be discussed in more 
detail later, but the 
complexity of the 
resulting flows is well 
Illustrated by Pig (5). 
These are photographs of 
oil flow patterns 
obtained from models of 
two triple carriers 
each carrying three 
bombs^.      In order to 
show the flow between 
the bombs, one of these 
was removed after the 
test and the photographs 
show the flow patterns 

on the underside of two bombt and the carrier and the upper surfaces of the remaining bomb.     Of particular 
interest are the areas of separated and reverse flow above and between the bomb afterbodies, and the out- 
flow between the bombs from the central "channel".     Also, it will be seen that these undesirable features 
are considerably modified by modest changes to the geometry of the carrier. 

Although far from comprehensive, the examples quoted above demonstrate the wide variety of problems 
that are encountered when attempting to predict drag increments or to design a low draw installation.    The 
problems of prediction are now considered In more detail. 

3        THE HIOSPECTS FOR THE PREDICTION OF INSTALLED DRAQ INCREMENTS 

Ih« »iniplest case is provided by a single streamlined store at low incidence anl low Kach number.    As 
discussed earlier, the interference effects are then predominantly of a potential flow type.     The 
buoyancy effects generally cancel and the result is a drag increment close to the total free-stream drag 
of the components of the store assembly.      In addition, if the aircraft flow-field is known for the 
vicinity of the store location,  the drag force on the store can jae calculated.      A drag increment further 
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removed fromfCDcn.,p can be expected if the store is placed in a region where the mean local velocity is 

very different from free stream.      Such installations are fairly readily identified and  those with high 
velocities should be avoided.      Low velocity regions can sometimes be exploited e..^.  small diameter 
stores  can be wholly or partly submerged in the fuselage boundary layer.      Again,  if the aircraft flow- 
field is known (including viscous effects in some oases) it should be possible to  estimate first order 
corrections for such effects. 

Similar considerations apply to frroupsof stores, but some caution is necessary.      As long as mutual 
interference effects within the groups of  stores and between them and the aircraft are of  the potential 
flow type,  the buoyancy effects will cancel and Ks will be near unity.      A factor,  K3,  of ne.ar unity has 
also been found to apply to assemblies containing some individual components over which the flow must be 
very different from potential flow, provided that such differences are local.      For example, the 
increments due to bluff excrescences on single, otherwise streamlined, stores are near the free stream 
drag of the excrescences provided they are not placed in high velocity regions and the flow separations 
due to the excrescences remain local. 

However, mar\y groups of stores comprise bodies, often relatively bluff, either in contact or in 
close proximity to each other.       Under such circumstances, significant areas of separated flow may be 
present or some stores may carry sufficient lift for their induced drag to be important.      Such effects 
have not been found to be serious for streamlined stores well spaced apart or even for bombs separated 
by distances as small as 1 calibre.      Nevertheless, these effects can be Important for bluff stores or 
stores in very close proximity. 

As indicated above, a knowledge of the flow field about the aircraft can be valuable both for cal- 
culating buoyancy forces and in identifying suitable store locations.      Such information is usually 
obtained experimentally.      This requires detailed explorations of flow fields which are time-consuming 
and difficult.     However, in recent years notable advances have been made in the development of numerical 
methods for the calculation of such flow fields.      Also, the prediction of the development of three- 
dimensional boundary-layers has become practicable - at least for some nases.      The time is not far off 
when it will be possible to calculate the complete flow field about an aircraft and externally carried 
stores provided that large-scale separated flows are not present.      In fact, a simple example is reported 
in Ref. 10 and the similar problem of nacelles in Ref. 14.     When this can be done, it should be possible 
to obtain reasonable predictions not only for essentially potential flows, but also to estimate the 
conditions for the onset of flow separation or of local supersonic flow.      This would at least provide a 
desigi tool comparable to current methods of wing design.     However, the magnitude of this task should not 
be underestimated.     Moreover,  there is the insidious danger, inherent in all elaborate calculation 
methods,  that the resulting program would be so complex as to demand long running times on large, 
expensive, computers.     It is likely that such methods would be too expensive to use in order to calculate 
all of the multiplioily of cases that are required during project studies.      Simple, semi-empirical 
methods of prediction will continue to have an important role throughout the foreseeable future. 

Certainly, semi-empirical methods provide the only reasonable basis upon which to tackle the most 
difficult cases, for example, an aircraft at hi/$i Mach numbey and high lift  carrying a store arrangement 
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with nwny component parts.      The flows about the components of the store assembly will all interfere with 
jty-ip   each other and with the parent aircraft so that the resulting flow contains Shockwaves,  separation bubbles, 

vortices and wakes.     In this case there is no immediate hope of devising accurate estimation methods and 
recourse must be had to virtually unadulterated empiricism.      This is particularly unfortunate »Inp» tho 
interference effects can be very large and variable 3.      Por example, of the installations shown in Pig (5) 
the one having the highest drag had an installation factor Kg = 2.19 at CL = 0 and Ks = 1.68 for CL = 0.3, 
even at Kach numbers as low as 0,5.      At a Mach number of 0.8 (a little below the drag-rise Vach number of 
one of the stores in isolation), the increment in installed drag coefficient had riaen to about 1.6 times 
its value at M = 0.5 at both CL = 0 and Cj, = 0.3.      Thus, the interference effects both within the store 
assembly and between this and the aircraft at M = 0.8 amount to a multiplication of the sum of the low- 
speed free-stream drag of the components nf the store assembly by factors of between 2.7 and 3.7. 
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Large installed drags occur at transonic 
speeds even for simple installations as shown in 
Fig (5).      This shows results, derived from free- 
flight trials for missiles pylon-mounted from the 
wings of two delta win&Zbody combinations at zero 
lift 7.    Th; ratio of the incremental installed 
drag to the free-stream drag of the missiles at 
the same fach number rises to a high peak in the 
transonic speed range. 

Fortunately, many practical installations 
lie between the extremes of difficulty quoted 
above and, for these, it is or could eventually 
be possible to devise prediction methods to 
various standards and to varying degrees of 
empiricism.      An example is provided by the pre- 
diction of the drag inoreicents due to a range of 
underfuselage stores at both low and high sub- 
sonic speeds 2.      This  is considerably simpler, 
in principle, than a method for undenting stores 
because the fuselage flow field is less compli- 
cated than that under a wing and the effects of 

ACD 

the store assembly on the fuselage are, in general, less significant than on a wing. 

In developing this method it 
was assumed that the drag increment 
due to the installation of under- 
fuselage stores would vary with 
Mach number in the manner shown in 
Pig (7).  Thus it was necossaiy 
to devise methods to predict the 
following quantities: 

1 A Cj). for V « MA ie the low- 
speed incremental drag. 

2 K^ i.e. the initial drag-rise 
Mach number for the drag increment. 

3 Mc, the Mach number at the 
start of the steep drag rise. 

K    A CDC for M = Mc. 

5 A fairing between point A and 
point C i.e. for Mä< K< Vc. 

6 A CD at K = 1. 

Taking each of these in turn, 
öCQ. may, as has been seen 
previously, be written as 
KsJ]CDCOj.p •      The earlier dis- 
cussion points to Ks being about 
1.0 for single streamlined stores 
and in practice this value has been 
found to apply to most single, 
pylon mounted underfuselage stores. 
However, for closely spaced side-by- 
aide stores on a single pylon or 
carrier the interference is 
lypically sufficient to give 
Kg a 1,7.      Favourable interference, 

i.e. Ks< If often arises with stores in tandem, particularly with bluff noses and large bases.      This will 
be discussed later. 

The correlation of the initial drag-rise Mach number. MA, is complicated by the difficulty of 
obtaining it from experinental results to an acceptable degree of accuracy.      This is for two reasons, 
firstly the rise inACß is often so gradual that it is difficult to define MA and, secondly, many tests 
generate data at rather large increments in Mach number.     Approximate correlations Pig (8) have been 
achieved for single and side-by-side stores using an aerodynamic fineness parameter, A gj, of the store 

^ 0-7 O« 0-9   M 

FIG.7 FRAMEWORK  FOR ANALYSIS OF INSTALLED DRAG 
(UNDERFUSELAGE STORES) 
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MQ, the Mach number for the start of the eteep drag rise, has been found to be M = 0.92 - 0.02 for a 
wide range of configurations with no obvious oorrelation of the variations, 
therefore, we take Mc ■ 0.92. 

For prediction purposes, 

The drag Inorensnt,A Cjv, at the start of the steep drag rise divided byA Cp, correlates moderately 
well in terms of 11^ and the    low speed drag increment coefficient based on the wetted area of the store 
assembly (*CCA)SWET*      ^8 coefficient may be considered as combining a "dirtiness parameter" with the 
low-speed installation factor.      The resultant family of curves is shown in Fig (9).      The trends may 
appear surprising at first sight, but sinoeACj)« cannot increase without limitACO^/ACQ. must approach 
unity at very high values of V*CDA)SWJ.T. 

A mean curve, ?ig (10), for the fairing of the data for HA < M< I^ in normalised form fits the data 
well enough for practical purposes. 

There are very few data available for A Cp at M = 1, the "aiming point" for the drag curve for M ^ K^, 
but some evidence from other types of store installation suggests that wave drag calculations by the 
Sminton method, 11 with some fairing of discontinuities in the area distribution, should give a good guide. 

Fig (11) compares estimates of store drag increments by this method for a typical Installation with 
measured values.      The maximum error is about * 6,0-..      Other examples checked show errors up to about 10J,' 
under some conditions.      This is typical of the performance of current prediction methods.      While these 
are very useful for project studies, there is still room for improvement, but this will certainly require 
more fundamental investigations aimed at providing a better understanding of the flow processes involved. 
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I4 r THE REDUCTION CP INSTALLED DRAI 

As has been shown,  comprehensive prediction methods are not available.      Nevertheless, basic aero- 
dynamic principles can be used as a guide to the design of either improved or radically new installations. 
The aerodynamic principles involved range from little more than common sense to the application of the 
simplest aerodynamic theories.      Sophisticated or complex theoretical methods have not been necessary in 
order to produce significant reductions in installed drag.      This is not to say that current installations 
have wilfully been made to have high drags;    in mai^y oases there may be good reasons, often operational in 
nature, for the configurations chosen but in other cases one suspects that insufficient attention has been 
paid to drag considerations.      In view of the great influence that store drag can have on the performance 
of modem aircraft, the aerodynamioist should be entitled to enquire as to whether the proper balance has 
been established between aerodynamic and other factors.      Certainly, provided that totally impractical 
configurations are excluded,  the aerodynamicist should not be inhibited from investigating new types of 
installation.      At least, his work can enable the worst pitfalls to be avoided and also establish targets 
towards which the mechanical design should strive. 

Recent work has not been directly concerned with reducing interference between the  store assembly and 
the aircraft.      Rather, it has concentrated upon reducing the drag of the store assembly itself.      This 
has involved studies both of the possibilities of reducing the free-stream drags of the components of the 
store assembly and of reducing unfavourable mutual interference effects between the latter i.e. reducing 
KA (see Section 2).      There is a direct benefit in reducing the free-stream drag of the components or the 
assembly.      In addition, at high subsonic speeds,  the appropriate factor Ks or Ki by which these have to 
be multiplied may well be lower.     For example, a reduction inAsi increases MA. 

It is convenient to distinguish between improvements to existing installations and entirely new 
installations.      The former category includes redesigns  to take advantage of improved mechanical systercs. 
For example, it has long been known that crutch arms (sway braces)  contribute a substantial part of the 
total free-stream drag of a store assembly.      Recently, a new system (MACE) has been developed in the UK. 
Prom the aerodynamicist's viewpoint, its outstanding feature is the elimination of crutch arms.      The 
pylon/store combination for which data was shown in Pig (if) was also used in an investigation of the 
benefits to be obtained from the deletion of the crutch arms ^.      The results are shown in Fig (12). 
Prom this  it will be seen that the enjtoh arms make a very large contribution indeed, which in this simple 
case is approximately equal to the estimated free-stream drag of the arms themselves. 

pylon & store with 
crutch arms 
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sum of pylon and store 
(no crutch arms) 

♦ crutch arms 

pylon & store without 
crutch arms 

store alone 
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(estimated) 

-J 
0-5 M _^      10 

FIG. 12  DRAG REDUCTION -SINGLE  STORE ON PYLON 

While these data demonstrate the benefits to be gained by eliminating even relatively small "dirty" 
excrescences, they do not give a complete picture.      It will be recalled that this pylon/single store 
combination exhibited little aerodynamic interference between the pylon and the stor».      Additional 
information is required to detertine whether the additional drag forces due to excrescences such as 
crutching arms are subject to similar installation factors as the stores themselves,      Thi;  information was 
provided by tests on the assembly illustrated in Pig (5).      In these tests the installed dTdg of a model of 
a conventional loaded triple carrier was compared to the same installation but with the carrier "cleaned up" 
i.e. with the crutching arms removed and various other excrescences deleted or faired in ^.     *';.yn» (1,') 
compares the measured drag reductions with the sum of the estimated free-stream drags of the dbleted 
excrescences and also with these estimates multiplied by the installation factor (at K = 0.5) of the 
original installation.      The latter estimates correspond much better to the measured drag reductions than 
do the former.     At least for IJW and subsonic speeds, the free-stream drag contributions of any crutch 
arms or other excrescences must be multiplied by much the same installation factors as for the complete 
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FIG. 13   DRAG  REDUCTION - LOADED TRIPLE CARRIER 
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store assembly when estimating their contribution to the total installed drag.      The drag saving due to 
cleaning up the installation is seen to be less at high Mach number.     The most probable reason for this is 
that then, much of the high drag pattern of separated flows, etc is present with or without the exoresenoes 
and is caused by inter-store interference instead of excresence-store interference as at low Mach number. 

Turning to radically new installations,the main mechanism that has been exploited is the mutual 
interference between stores.     This can involve both phenomena that are present in inviscid flows as well 
as phenomena that are essentially due to viscous effects.     An example of the former is the influence of 
mutual interference en wave drag.      Considerable insight into  the wavedrag of store assemblies can be 
gained by use of the area rule. 

In its simplest and most approximate form the area rule states that the wave-drag of a body at near- 
sonic speeds depends only on the streamwise distribution of its oross-seotional area.      This principle 
may equally well be applied to several bodies in proximity to each other.      For example, the drag of two 
identical slender bodies each of fineness ratio fsi  (the ratio of body length to diameter) situated close 
together and with their noses in the same lateral plane is equal to the drag of a single body whose 
lateral dimensions are    2 times those of one of the pair of bodies but which is of the same length (i.e. 
its fineness ratio is fsi/ 2), 

Such considerations may be applied to a pair of  stores.      The principle is readily illustrated by 
considering stores which are well streamlined.      In particular,  consider stores which are of the form of a 
body of revolution with a parabolic arc generator.      For such bodies at transonic speeds the wavedrag 
coefficient, based on maximum cross-sectional area,  is roughly proportional to the inverse square of the 
fineness ratio.      Thus,  two identical stores having the same axial position and close together in the 
lateral direction have a total wavedrag equal to four times the drag of one of the bodies in isolation or, 
in other words,  the total drag is twice that for the two bodies at infinite distance from each other.       If 
one of these bodies is moved half a body length forward or backward, the equivalent body of revolution is 
thon very close in shape to a body having a nose of the same shape as one of the bodies followed by a 
nearly cylindrical part of half a body length and finally terminated by an afterbody of the same shape as 
that of one of the single bodies.      This equivalent body is expected to have a wavedrag roughly the same 
as one of the single bodies.     Thus, a reduction in wavedrag at transonic speeds by a factor of about k 
might be obtained simply by moving one of the bodies by half a body length. 

This prospect has been examined experimentally 1  for a pair of such "parabolic" bodies each of which 
had a fineness ratio of 8,48.     Some relevant results are shown in Pig (11».) which shows the ratio of the 
drag of a pair of bodies to the drag of a single body at the same K.     Hie sensitivity of total drag to 
axial position is clearly large at M = 1 but diminishes as the magnitude of the difference between the 
free-stream Mach number and M=1 increases ^.      This is primarily due to the changing relative magnitudes of 
skin-friction and wavedrags.     At K = 0.9 the flow is entirely subsonic.      Interference is then primarily 
due to buoyancy effects and has little influence on the total drag.     The appearance of interference effects 
on the total drag and the drag rise Mach number are closely correlated for each configuration.     The mag- 
nitude of the mutual interference effects, and, hence, the benefits of axial stagger, vary with Mach number 
in a way that reflects the growth and subsequent decay of the wave-drag coefficient as V. increases. 

Current stores are often less streamlined than the bodies for which data are shown in Fig (14).      They 
commonly feature a cylindrical centre-section which,  in combination with their somewhat lower fineness 
ratios, places the fineness ratio of the foreboiies within the range 1.0 to 2.0 as compared to a fineness 
ratio of 4.2 for the forebody of the models discussed above.      Their drag-rise I'aoh numbers are thus much 
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lower than 0.9, bein ' typically atrnut 0,83,       Tha 
range of Mach numbers within which wavedrag makes an 
important contribution to the total is correspondingly 
extended also. 

The presence of the cylindrical centre section 
makes it impossible to achieve as good an equivalent 
body as for stores of "parabolic" form.      The equiv- 
alent body for a pair of such stores is unlikely to 
have a drag as small as that of only one of  the stores 
in isolation ",      However, there is no reason to doubt 
that extremely unfavourable interference effects will 
still be associated with line-abreast arrangements. 
Equally,   ixial stagger can be used to  generate 
equivalent bodies of lower drag, albeit not as low as 
that of a single store.     An interesting and useful 
result of studies of such configurations is that the 
minimum drag is achieved with only small amounts of 
stagger 5,     As an example Pig (15) shows results 
from tests in which the drag of a single isolated 
bomb was  compared to its drag when in line abreast 
with another identical bomb (xs = 0) or else 
staggered fore and aft of the second bomb by 0,75 
calibre (xs = t 0.75D).     By combining the last two 
sets of data, the total drag of a staggered pair can 
be derived.      In this figure the average of the two 
drags when at xs  + 0.75D are plotted.      Thus, when the 
interference effects are predominantly of the buoyancy 
type, as at low Kach number, all the curves for the 
different cases coincide.      The large difference 
between the curves for the isolated bomb and for 
kg = 0 demonstrate the large unfavourable interference 
effects  that are thran present.      The average of the 
drag coefficients for xs = 1 0,75D is much closer to 

that for the isolated store,  showing 
that these interference effects have 
been substantially reduced by this 
small amount of axial stagger.      The 
beneriU of axial stagger are reduced 
for M     0.95.     This is associated 
with the development of a Shockwave/ 
boundaiy-layer interaction in  the 
diverging passage formed by the 
boattails of the two bombs ^.      This 
is present both for liie unstaggered 
and staggered stores and has  a major 
influence on the drag at these speeds. 
Different relative dispositions of the 
bombs may be optimum for different 
Mach numbers.     Nevertheless,  these 
results show that modest axial 
spacings can effect substantial re- 
ductions in wavedrag, and, hence, in 
total drag at Mach numbers above about 
0.8. 

In contrast to the above example 
in which viscous effects tend to be 
disadvantageous, benefit can be 
derived from viscous effects in the 
case of under fuselage stores    .      In 
particular, the drag characteristics 
of arrays of underfuselage stores 
greatly depend upon the shape of the 
stores carried.     At low Mach numbers 
the installation factors of both 
streamlined and flat based stores 
decrease considerably as transverse 
rows of stores are added to an array. 
Two well separated flat-based stores 
adjacent to the fuselage have an 
Installation factor well below unity. 
This is attributed to either immersion 
in the fuselage boundary layer and/or 
an increase in base pressure due to 
tha proximity of the fuselage.      When 
a single transverse row of stores Is 
added to a fuselage there is a basic 
unfavourable "side by side" inter- 
ference effect.     This causes a 
transverse row of streamlined stores 
to have a high installation factor; 

10 
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but it is offset by the favourable effect noted earlier for bluff-based stores BO that these have install- 
ation factors near unity.     When, further aft, rows of stores are added there is a large, favourable,  fore 
and aft interference.      This reduces the installation factors for both types of store.      In the case of 
flat-based stores this probably results from increases in the base pressures of the forward stores due to 
the proximity of the noses of the aft stores.     The envelopment of the aft stores in the wake of the 
forward stores is probably not significant, at least for streamlined stores, because tandem pairs of 
streamlined stores have installation factors near 1.0.      However, it is possible that the "side by side" 
interference within the aft row is reduced by wake effects in the passages between them. 

The advantageous, fore-and-aft interference is especially great for arrays of flat-based stores at 
transonic speeds S      This is shown in Pig (16) in which the incremental installed drag of a single row of 
5 identical stores is compared with the corresponding drag of k such rows (i.e. 20 stores in all).      The 
drag of 20 stores is actually less than that of 5 stores for 0.92 < K ^ 1.08.     For streamlined stores, 
the effects are less dramatic but while the incremental drag of 20 stores is about tvdoe that of 10 stores 
at M = 0.7, the corresponding ratio falls to only 1.5 at M = 0.95. 

5        CONCLUSIONS 

It has been shown that the 
installed drags of externally carried 
stores have a serious effect on the 
performance of combat aircraft.    This 
is important in the design of suoh 
aircraft not only because of the 
magnitude of the installed drags but 
also because of uncertainties in their 
prediction.      Fortunately, improve- 
ments are being made in their 
prediction and there is considerable 
promise that new or revised designs 
of installations will erfect marked 
reductions in the drag penalties 
attributable to external carriage. 
However, much woric remains to be 
done, and a sustained effort in this 
field could well reduce the drag of 
combat aircraft to an extent which 
would be difficult to obtain from 
any other source. 

FIG. 16   FAVOURABLE   INTERFERENCE - UNDERFUSELAGE 

FLAT    BASED   STORES 
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Summary 

The drag force in hypersonic flow may be divided into cold pressure drag (incident molecules), temper- 
ature depending pressure drag (diffusively reflected molecules) and friction drag. The pressure drag 
dominates on blunt bodies which show a slighter drag variation with rarefaction whereas on slender 
bodies friction drag dominates and the total drag is strongly influenced by rarefaction. Relaxation and 
radiation do not appreciably alter the pressure drag but influence the flow field, stand-off distance of 
shock wave,and heat transfer. 

Rfesume 

La resistance en ecoulement hypersonique A basse densite pent fetre divisee dans la resistance de 
pression independant et dependant de la temperature de surface et la resistance de frottement. La 
resistance de pression domine ä des corps emousses qui montrent une variation inferieure de la 
resistance avec la rarefaction pendant qu ä des corps elances la resistance de frottement est plus 
Importante et la resistance totale est fortement influencee par le degrfe de rarefaction. La relaxation 
et la radiation ne changent pas sensiblement la resistance de pression mais ils irifluencent le champ 
d'ecoulement,   la distance de dfetachement de l'onde de choc et le transfer de chaleur. 

Notations 

cn drag coefficient,    c 

ps 
-» 
n 

P 

r(x) 

D ipvco2 2 00 

lift coefficient. 
'L   ipv 2 

2^   oo 

pressure coefficient behind normal shock 

normal vector to the surface 

reaction path 

pressure 

radius of axisymmetric body 

wind direction vector 

a incidence angle 

y ratio of specific heats 

6 angle between wind velocity and normal 
to surface 

X mean free path 

p density 

CT accommodation coefficient for tangential 
momentum 

a' accommodation coefficient for normal 
momentum 

T shear stress 

thickness 

area 

projected body area (in the direction of 
wind velocity) 

reference area 
T 

Chapman-Rubesin function,   C = -^—=— 

A 
Knudsen number,    Kn =T- = 1. 26Vy   Ma/Re 

reaction constant 

Mach number 

Reynolds number 

Reynolds number.    Re   = Vx/f 

temperature 

flow velocity 

I) Prof. Dr. rer. nat. 

T 

X 

Indices 

oo 

relaxation time 

hypersonic similarity parameter. 

X = Ma     VC/Re 

free stream condition 

wall 

stagnation condition 

behind normal shock 

, 

■ 

■ 
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1.  INTRODUCTION 

Hypersonic flow conditions are not only encountered in the flight of hypothetical aircraft of the future but 
also In the orbital flight and in the first steps of the reentry of a space vehicle and in the flight of long- 
range missiles. The hypersonic flow conditions are usually connected with high stagnation enthalpy and 
high altitudes or low densities. Therefore the forces acting upon a hypersonic vehicle are influenced by 
low density, high temperature, surface conditions, and real gas effects. Hypersonic flow may be 
simulated rather satisfactorily in a hypersonic low density wind tunnel. The necessary high gats 
velocities may be produced by expanding a heated gas in a nozzle. A rather large range of available 
stagnation pressures should be provided to cover if possible the whole range from hypersonic continuum 
flow to free molecular flow.  In order that wind tunnel measurements are of practical use an adequate 
interpretation of experimental results is necessary. The flight conditions of a hypersonic vehicle may 
not be adequately defined by altitude and velocity but rather by the corresponding Reynolds- and Mach 
numbers. Typical flight conditions of various hypersonic vehicles are shown in an altitude-velocity 
chart in fig. 1  and in the corresponding Reynolds- and Mach number chart in fig. 2. Rarefaction effects 
are characterized by the well-known similarity parameter   Ma   /VRe       for hypersonic low density 
flow,  which is essentially the ratio of the mean free path and the boundary layer thickness. 

t 

The criterion 
Ma   /VRe      S   0.01 

co'       oo 

characterizes the high altitude regime and it is seen from fig. 2, that this criterion corresponds in 
terms of decreasing altitude to the occurrence of transition from laminar to turbulent boundary layer. 

Indicated in fig. 2 are also the continuum flow regime (Ma   /VRe      < 0. 1)   and the transitional rarefied 
regime, in which the number of the collisions between the molecules decreases considerably,  and 
finally the free molecular regime,  in which no collisions occur in the flow field and which may be 
characterized by the criterion   Ma   /Re    > 3 . 

oo'     co 

2. HYPERSONIC  CONTINUUM  FLOW 

A characteristic feature of hypersonic friction less continuum flow is the Mach number independence. 
In the limiting case of   v -» 1    one is led to the Newtonian theory, which is discussed in the next section. 
A possible extension would be a development using the deviation   (y-D/ly+l)   as parameter. The slow 
convergence of this procedure, however, makes it not very successful. Another limitation Is given by 
the hypersonic friction drag originating mainly in the boundary layer. The shock wave - boundary layer 
interaction is a characteristic feature of this part of the drag. 

2.1   Newtonian theory 

The name of Sir Isaac Newton is attached to one branch of hypersonic flow theory. Following Newton's 
hypothetical model the component of the impulse contributing to the resistance is proportional to the 
square of the cosine of the angle between the wind velocity and the normal to the surface 

x 2 (n • v) 2 cos    6 (1) 

In the case of   Ö 
shock 

90     this formula should be identical with the pressure relation behind a normal 

y 1 

ps 
y Ma 

Sl^Ma^V1*      y^     r l-i\. (2) 
2y Ma y + 1 

However   c     = 2   only in the limiting case   Ma    -» oo   and   y-» 1 . LEES (Ref. 1) has proposed on a 
purely empfrical basis to use in the case   y%\   uie formula 

2 . 
c     =   c     cos   6 

P PS 

where for blunt bodies   c        is given by formula (2) (modified Newtonian theory). ps 

The total force coefficient is then given by integration over the surface of the body 

(3) 

i 
j 

i . 

c   n dA 
R  A 

c 
_£S 
AR 

(vn)   n d A 

and the drag coefficient is 

(c -v) = Jä£ 
P AR 

-»   -. 3 
(vn)   dA 

(4) 

(5) 



Recently the problem of finding the aerodynamic forces of a nonslender body using Newtonian theory ^ 
has been reduced to finding the solution to a set of differential equations (Ref, 2). For axisymmetric      0/J ^j 
bodies these equations can be written 

CT^-    + «V,    cot a + 12 c^   =   6 C     A /A Daa      Da D ps    p'   R 
(6) 

I 
Dtt L 

(7) 

where subscript   a   denotes differentiation to the incidence angle   a,    A    is the projected area of the 

body in the free stream direction and   An   is a reference area. If the variation in the forward projected 

area with incidence can be expressed in the form   A   =   L    A   sin ex , a solution has been obtained by r p    n=o    n 
PIKE (Ref. 3) and applied to blunt-nosed cylinder bodies in hypersonic flow. Fig. 3 illustrates the drag 

coefficient difference   c_ - c^ c-a-w-r,v   or   c^" !   for a pointed cone with spherical base. For 

spherically-nosed bodies the values must be multiplied by   (1 - (r/R) )   and the cylindrical body is 
I        3 

accommodated by adding   8 - sin   a/3ir . 
K 

The Newtonian formula may also be used to determine shapes of minimum drag. If the shape of a 
symmetric two-dimensional or axisymmetric body is given by   r(x) , the solution is given by 

rV3 

l + r'2 
=   const (8) 

with   j = 0   in the two-dimensional and   j = 1   in the axisymmetric case. In the first case the body of 
minimum hypersonic drag is given by a wedge, in the second case,  the solution is very near to the 
power law   r~x3/4   (Ref. 5). 

2. 2  Limits of Newtonian theory 

The Newtonian theory does not take into account viscous effects and therefore may only be compared 
with nonviscous theories e.g. with the method of characteristics in supersonic flow fields. It has been 
observed, that for values of v   near   1   (e.g.   y = 1.05)   the Newton-Busemann formula, which 
considers also the curvature effect, is in best agreement with the method of characteristics, but for 
larger values of   y (say   y = 1.4)   the simple Newtonian theory gives better results than the Newton- 
Busemann formula. If however viscous effects predominate,  large deviations from the Newtonian 
pressure distribution are to be expected. Pressure distribution measurements (fig. 4) on a half-elliptical 
cone (11° semi-angle) in hypersonic flow show a satisfactory agreement if the angle between flow 
direction and surface is more than    15° . 

2. 3   Viscous interactions 

The high temperatures encountered at hypersonic speeds behind the shock or in the boundary layer 
result in an increase of boundary layer thickness. This increase contributes to two types of interaction 
of the boundary layer with the inviscid flow field. The boundary layer itself generates an inviscid 
hypersonic shock layer from the leading edge. In general this phenomenon is only important for slender 
bodies,  since on blunt bodies the bow shock is detachment and the flow velocities are subsonic or only 
moderately   supersonic. The second type of interaction associated with large boundary layer thickness 
becomes important when the vorticity in the inviscid layer due to the curved shock wave becomes of the 
same order as the average vorticity in the boundary layer due to the shear stress. 

2. 3.1   Slender bodies with sharp leading edge 

H 

According to fig. 5 the interaction regions for a slender body may be divided into the leading edge zone, 
the strong interaction region and the weak interaction region. Solutions are especially known for the 
sharp-nosed flat plate, where the pressure distribution is given in the weak interaction case by 

T 
-E-   =   1 + (0.0775 + 0.202 7=^) x (9) 

i 

with 

X  = 

Ma     -fcP 
oo 

VRe ' x 

and for strong interaction by 

(C 
T 

ft    ,     oo 
a T 
^oo 

V     x 
Re    »   

x        v 
CO 

-2-   =   (0.1520 + 0.397 =^)X 
poo o 

(10) 
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assuming   y = 1.4 . The formulas show the strong influence of wall temperature. For an intermediate 
value 

*       1  
X  '   X      "   0.0745 + 0. 195 T   IT 

both formulas lead to the same result. Formula (9) should be applied for   X « X      and (10) for 
X »X* . 

2. 3. 2  Slender bodies with blunt leading edge 

A finite thickness of the leading edge causes a strong inviscid effect and according to HAMMIT and 
BOGDONOFF (Ref. 6), the pressure distribution may be given by 

^E    =   0.016Ma   3 /-^'(l +40/^ 
p. 00 V Re VRe^ (ID 

where   t   is the plate thickness. 

The average skin friction coefficient tends towards and nearly matches the zero pressure gradient value 
downstream, but increases to approximately twice that value as the leading edge is approached (Ref. 7). 

3.  FREE MOLECULAR FLOW 

Free molecular flow is characterized by such a degree of rarefaction that intermolecular collisions are 
negligible. Thus in the flow field only undisturbed molecules,  coming from infinity, and molecules 
reflected from the wall are present. The reflection of the molecules may be specular or diffuse and the 
accommodation coefficient   cr'    (0 < CT' < 1)   indicates that part of the molecules which is reflected 
diffusely. If the wall has convex curvature only single reflexions are possible in this free molecular 
approximation, but for walls with concave curvature multiple reflexions must be considered. 

3. 1   Bodies with single reflexion at the wall (convex curvature) 

In this case simple formulas are obtained for the normal and tangential momentum which in the hypersonic 
limit take the form (8) 

p   =   pV2 [(2-a') cos2 Ö + y 
2irT 

w     cos 6 
y T Ma 1 

crp V   sin 6 cos 6   , 

(12) 

(13) 

where   ff   is the accommodation coefficient for tangential momentum.  The drag force, which is received 
by integrating pressure and shear stress is composed by three parts 

a) temperature independent pressure drag 

b) temperature dependent pressure drag 

c) friction drag. 

It is seen from equ. (12), that the temperature independent pressure drag (i.e. the pressure drag for 
T   /T -» 0)   is identical with the Newtonian drag for diffuse reflexion (cr' = 1). 

An example is given in fig. 6 for the different parts of cylinder drag in dependance from wall to free 
stream temperature ratio. 

3, 2   Bodies with multiple reflexion at the wall (concave curvature) 

i 

! 

The theory of free molecular flow on bodies with multiple reflexion at the wall (e.g. bodies with concave 
curvature, wing-body configurations or interaction of separate bodies) requires the solution of an 
integral equation. In the case of the free molecular flow through circular tubes one obtains the well- 
known Clausing-Integral-Equation (Ref. 9), which has also been extended to the flow in conical tubes 
(Ref. 10) and to corresponding two-dimensional problems. Also the interaction of a wall with a cone 
has been studied in view of skimmer interaction at the generation of molecular jets (Ref, 11). 
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4. TRANSITIONAL DRAG 

The transitional flow region between continuum flow and free molecular flow is characterized by a 
Knudsen number   Kn = X/l   where   X   is the free mean path and    I   a characteristic length. The 
Knudsen number is connected to the Mach- and Reynolds number by the relation 

Jt'* 

Kn  =   1 

The approximate limits of the transition region are 
Knudsen number. 

,26^7 Ma/Re 

0. 01 < Kn < 10 , thus covering three decades of 

No exact theory is available for this flow regime. Approximate theories use first collision methods in 
the vicinity of free molecular flow or integral methods or numerical Monte-Carlo techniques. 
Experimental data are available especially for simple shapes but also for lifting bodies of different kind. 

4. 1   Calculation methods using the Monte-Carlo technique 

The gasdynamics of transitional flow is described by the Boltzmann equation, which unfortunately cannot 
be solved by analytical methods. Among the different approximative methods the "direct simulation 
Monte-Carlo method" seems to be moff promising. In this method proposed by BIRD (Ref. 12) the flow 
field is divided Into a large number of cells. A multitude of molecules is supposed to be in each cell and 
the motion and collision data of the molecules are calculated and stored in an efficient computer. Results 
have been obtained for plates (Ref.  13,  14) wedges and cylinders in transverse flow and for spheres 
(Ref. 15) and cones (Ref. 13). Large Knudsen number ranges from   0. 025   till   100   were reached by 
Improving the calculation procedure. In fig. 7 the calculated drag coefficient of a strip In transverse 
flow is compared with measurements. Fig. 8 shows a comparison of Monte-Carlo data with measurements 
by KOPPENWALLNER (Ref. 16). 

4. 2   Experiments on transitional drag of simple shapes 

Experimental results on transitional drag of simple shapes such as cylinders,  spheres, cones or flat 
have been obtained in different hypersonic low density wind tunnels. Of special interest are the cylinder 
measurements by KOPPENWALLNER (Ref. 16), because they cover the whole range from continuum 
flow to free molecular flow, including also similar measurements on cooled cylinders. The results of 
fig. 9 show a remarkable difference between the data of the uncooled and the cooled cylinder. Whereas 
in the first case the free molecular limit Is reached monotonically, in the latter case the drag coefficient 
has a maximum near   Kn = 3 , As the pressure drag of uncooled cylinders could be determined separately 
by pressure distribution measurements it was possible to get the friction drag by subtraction of the 
pressure drag from the total drag. The results plotted in fig. 10 show that the rise of total drag with 
increasing Knudsen number is essentially caused by the increasing friction drag and that the friction 
drag has a maximum value at a Knudsen number of about   Kn     = 0. 5 . This behaviour may be compared 
with the flow of a rarefied gas through a tube, where KNUDS^R (Ref. 17) has found a minimum of flow 
rate (known as "Knudsen minimum") which corresponds to a maximum of friction. This minimum of 
tube flow rate is found at a Knudsen number   Kn = X/d = 0.4 . Also for very slender cones an overshoot 
of drag coefficient is predicted in the theory of WILLIS (Ref. 18). Due to this theory for cooled cones 
this overshoot may be expected for cone half angles below   8.4° . In the cone data of fig. 11 the cone 
angle is too large to show an overshoot (Ref. 19). In the near continuum region the cone data show a very 
strong dependence on cone angle and wall to stagnation temperature ratio. As shown by KIENAPPEL 
(Ref. 20) all these data may be correlated by the following semi-empirical formula 

cD(0) CDNewton(0) <■*! 
Ma 

GO w 

(sine)0/zVRe 
OO I 

With   Re    ,   referred to the length of the cone as is shown in fig. 12.  The drag data of cones at angle of 
attack (fig. 13) show a large dependence on Mach- and Reynolds number, whereas the normal force is 
quite Independent of Mach- and Reynolds number. Nevertheless the drag variation with angle of attack is 
represented fairly well by Newtonian theory (Ref. 21). 

Strong viscous interactions have also been found on caret wings, where the induced pressure may be 
fairly well computed from the viscous Interaction theory for wedges (Kef. 22). It is evident that the 
viscous effects influence the zero lift drag coefficient very seriously as Is shown in fig. 14, where the 
deviation from wedge theory becomes stronger with decreasing Reynolds number. 

4. 3  Drag ireasurements on lifting bodies in rarefied flow 

V 
\ 

V s 

Force measurements have been undertaken on a number of different lifting bodies for reentry vehicles. 
Some of these measurements were carried out in different hypersonic wind tunnels with an extended 
range of Reynolds numbers. The drag coefficient versus angle of attack is strongly influenced by 
Reynolds number as is shown in the plot of fig. 15. The correlation of zero incidence angle drag 
coefficient with the rarefaction parameter   Ma   /VRe      is seen in fig. 16 different shapes. It is obvious 

/■';■■ 

■ 

! 
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that blunt bodies have a large pressure drag which is only sUghtly dependent on Reynolds or Knudsen 
number, whereas on slender bodies the friction drag dominates with a strong dependence from Reynolds 
number. This behaviour is clearly shown by the comparison of the drag data for a blunt semielUptical 
cone ( «Integral body))) and a sharpedged delta wing with 10° wedge angle (fig. 17). The latter shows 
a much stronger influence of Reynolds number. 

4. 4 General cone lusions from drag measurements in transitiona \ ilegime 

The drag measurements, avaHab le in the transitiona\ regime, give an insight into the general behaviour 
for different stages of rarefaction. They may not be sufficient to establish semiempirical theories and 
further systematic work is needed. The foUowing conclusions may be drawn from existing data: 

1) The total drag force is composed of 

a) temperature independent pressure drag corresponding to Newtonian drag. This part is only 
sUghtl.y dependent on Reynolds- or Knudsen number. 

b) temperature dependent pressure drag. Thi& part of the pressure depends on the temperature 
ratio T /T and on rarefaction. It is negligible at the continuum now Umit. 

w 0 

c) friction drag rises with the rarefaction parameter Ma ~ from nearly zero at 
Ma /~ = 10- 2 to a maximum value at a Knudsen g:>umbe~ Ma /Re "' o. 5 and remains 

(J) (J) (J) (J) 

constant at a value be \ow the maximum for higher Knudsen numbers. 

2) The variation of total drag with angle of attack is essentiaUy determined by the temperature 
independent pressure drag and foUows therefore dosel.y the difference in Newtonian drag. 

3) The variation of total drag coefficient with increasing rarefaction is different for blunt and slender 
bodies, because of the different behaviour of pressure drag an"' friction drag. The decrease of the 
drag coefficient in the free molecu\ar Umit starts for the more slender bodies at \arger Reynolds 
numbers than for blunt bodies. 

4) Configuration with combined blunt and slender bodies (wing-body-configurations) witt show an 
intermediate behaviour for the integral drag. 

5. RELAXATION EFFECTS 

Rather numerous theoretical investigations are concerned with the question of re\axation effects on 
fundamental now phenomena e. g. shock formation in relaxing gases or nonequiUbrium boundary layers. 
Unfortunately there seems to be no theoretical work on how relaxation affects the total now about 
hypersonic vehicles or mode \a of parts of them, placed into the nonequiUbrium f\ow of test facilities. 

5. 1 Chemical relaxation 

At high fUght ve\ocities and subsequently high tota\ enthalpy internal degrees of freedom of the molecules 
are excited. These "chemical effects" (because of the occurrence of dissociation and ionisation) are 
only found in certain flow regimes. At ve\ocities be \ow 3 km/s no chemical reactions are possibl.e, 

· because the total enthalpy is not high enough. The characteristic reaction time T is inversely 
proportional to the density (T = (p• K )-1 where K is a reaction constant). If therefore the reaction 

- r r path lR = V • T' is much \onger than a characteristic dimension l of the body (say \ /l > 100) , the 
reaction may be considered as frozen. On the other hand, the reaction may be consider:Ud to be in 
equiUbrium, if lR/l < o. 01 • With these Umits the regime of nonequiUbrium reaction kinetics is given 
by l 

R o. 01 < T < 100 • 

These Umits are p\otted in fig. 18 for a sphere of o. 3 m diameter in ~ypersonic \ow density now. 

It is genera Uy accepted that chemical re \axation affects the stand- off distance of the shock but does not 
essentiaUy influence the pressure distribution and pressure drag. The temperature dependent drag and 
the heat transfer should be influenced in a stronger way. 

5. 2 Translational and rotational relaxation 

At extremely \ow density even the translationa\ degrees of freedom of the mol.ecul.es are in nonequHibrium. 
This is especiaUy observed when a gas is expanded into a high vacuum. For the Umiting case of free 
mol.ecu\ar f\ow the effect of translational nonequiUbrium on the forces acting upo11 a body in hypersonic 
rarefied f\ow have been calculated (Ref. 24). 



6. RADIATION EFFECTS 

A very high velocities the hot gas in the "shock 'layer" between the bow shock wave and the body surface 
is losing energy by radiation. A certain amount of the radiative energy reaches the body surface where 
part of it is absorbed. Another part of the radiative energy may be absorbed by the cool gas in front of 
the shock wave. This so called precursor effect entails a preheating zone which already signalizes the 
body yet to come even before the bow shock wave arrives. 

As in the case of relaxation effects the pressure distribution around a blunt body remains unaltered by 
radiation effects because these quantities are governed mainly by the momentwr flux which is independent 
of radiation. The temperature in the shock 'layer is reduced due to radiative energy losses, and, as a 
consequence, the density is increased. A further consequence is that the shock detachment distance is 
reduced (Ref. 25). 

7. CONCLUSIONS 

The drag in hypersonic rarefied flow is a function of Mach- and Reynold<J number. It may be dtvlded into 
temperature independent pressure drag, the temperature dependent pressure drag and the friction drag. 
The first part is only slightly dependent on rarefaction and dominates on blunt bodies, The friction drag 
seems to show a characteristic behaviour in dependence of rarefaction with a muunum near Kn ..... 0, 5 • 
On slender bodies the friction drag influences stroogly the total drag, so that the dependance c4 total 
drag from rarefaction is different for blunt and slender bodies. Relaxation and radiation does not 
appreciably alter the pressure drag but influences the flow field, stand-off distance of shock and heat­
transfer. 
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TRAINEE DE CORPS PORTANTS PILOTES A HAUTE ALTITUDE 

par 
J.  AUfegre, C. Matrand, M.F.   Sclbllla 

Laboratoire d'Airothertnlque du C.N.R.S.,  92190-Meudon (France) 

RESUME 
Les corps portants cholsls sont des alles delta planes, de 60° de fl&che, munles de dlsposltlfs a&- 

rodynamlques et micanlques de guidage. Ces dlsposltlfs sont disposes au volslnage du bord de fulte des 
alles. 

L'£tude expirlmentale du cotnportement airodynamlque de l'alle est r£alls£e dans le cadre d'un vol 
hypersonlque pour une altitude volslne de 70 km. Les essals sont effectu£s dans une soufflerle ä velne 11- 
bre et ä fonctlonnement contlnu ; I'ficoulement d'alr y est caract4rls4 par un nombre de Mach de 8,1 et un 
nombre de Reynolds de 2200 par cm. 

Pour un tel r£glme de transition oü prgdomtnent les effets de vlscoslt^ et les effets de d£place- 
ment de couche Uralte, les valeurs des coefficients de trainee sont sup^rleures ä celles qul correspondent 
au regime d'ficoulement contlnu. De plus, les r£sultats montrent dans quelle mesure les dlsposltlfs de gui- 
dage dlrectlonnel de l'engln par spoilers restent efflcaces et peuvent 8tre utilises pour contr81er la tra- 
Jectolre en atmosphere rarfiflöe. Les grandeurs des coefficients afirodynamiques sont donnSes pour une plage 
de variation de l'lncldence de l'alle s'Ächelonnant de - 20° ä + 20°. La comparalson entre les efflcaclt^s 
respectlves des spoilers solides et des spoilers fluldes de bord de fulte a permls de mettre en Evidence 
quelques avantages des spoilers fluldes. Ces dernlers permettent en partlculler d'assurer le con'röle dl- 
rectlonnel de la plate-forme sans entratner corrfilatlvement une sensible augmentation de sa trainee. 

SUMMARY 
The considered lifting bodies are 60° swept delta wings fitted out with control devices, located 

near the trailing edge of the wings. 
The present experimental study o* ths aerodynamic behaviour of the wing is realized in a rarefied 

flow simulating a flight altitude of about 70 km. Experiments are performed in an open jet and continuous- 
ly operating wind tunnel. The air flow is characterized by a Mach number of 8.1 and a free stream Reynolds 
number of 2200 per cm. Results show how much aerodynamic devices associated with the delta wing, like spoi- 
lers, remain efficient and can be used in order to control the trajectory at high altitude. Drag coeffi- 
cient data are given in the range of incidences between - 20° and 20°. A comparison between efficiencies 
of trailing edge solid spoilers and trailing edge fluid spoilers allows to point out some advantages of 
the fluid spoilers. In particular, this jet control mechanism can create a sufficient side thrust without 
entailing a large Increase of the drag. 

NOTATIONS 

C. 

N 

CXf 

h 

1 

M 

P 

P« 

Re 

x 

y 

Y 

t 

X 

X. 

coefficient de force axiale 

coefficient de force normale ä l'alle 

coefficient de trainee 

composante de CX. due aux seules forces de pression 

composante de Cy due aux forces de frottement 

coefficient de portance 

£paisseur du bord d'attaque 

£cartement entre les spoilers fluldes 

hauteur du spoiler solide 

incidence 

nombre de Mach 

pression locale, pression parifitale 

pression de l'ficoulement ä I'infini amont 

nombre de Reynolds 

nombre de Reynolds fondfi sur la longueur de l'alle 

temperature pari^tale 

temperature g^n^ratrice de l'ficoulement 

absclsse mesuräe ä partlr de 1'apex 

ordonn£e dirtg£e sulvant le bord de fulte de l'alle 

rapport des chaleurs sp^clfiques 

V+l 

paramfetre hypersonlque d'interaction visqueuse 

e [0,664 + 1,73    Tp/To]x 

1 

8 
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1,   INTRODUCTION 

De nombreuses recherches ont d£jä port£ sur  les alles delta mats elles sont pour la plupart relati- 
ves ä un regime d'^coulement  contlnu.  L'int^rSt  li6 au vol ä haute altitude et ä des vitesses hypersonl- 
ques,  et notamment   le d^veloppement du programme      de la navette spatlale, nous a amen€ ä ätendre  les pr6- 
c^dents travaux ä de plus  falbles valeurs du nombre de Reynolds.   II est en effet utlle de connaltre les 
prlnclpales caracterlstiques  de l'äcoulement autour de corps portants dans des regimes d'^coulament de 
transition pour  lesquels les effets   combines    de viscosity et de d^placement de couche llmlte devlennent 
trfes Iraportants. 

Les plate-formes pllot^es dolvent Stre pourvues de moyens de guldage ;   les spoilers de bord de ful- 
te ont 6t6 choisls lei en ralson de la simplicity de  leur utilisation.  11 est n^cessalre d'fitudier leur 
efflcaclt^ en fonctlon de  1'angle d'lncidence du v£hlcule et des conditions de rarefaction de  l'äcoulement 
pour lesquelles  les zones de d£collement de couche  llmlte lamlnaire sont trfes £tendues. 

En regime de forte interaction visqueuse,   la präsente communication donne quelques r£sultats de pres- 
slon pariätale et  de coefficients de forces a^rodynamlques  lesquels rentrent en llgne de compte  pour la de- 
termination de la trainee de  1'aile. Aprfes avoir indlque les performances d'une alle delta plane dlpourvue 
de dispositlf de guldage,  on montrera I'effet do ä l'adjonction d'un spoiler solide de bord de  fuite sur 
les caracterlstiques aerodynamiques de 1'alle.  Enfin,  on precisera  le conportement de cette derni&re en 
presence de spoilers fluides  qui semblent particullferement blen adaptes au vol ä haute altitude. 

2.  MOYENS D'ESSAIS 

Les experiences sont reallsees dans la soufflerie SR 2 du Laboratoire d'Aerothermique.   Cette souf- 
flerle ä gaz rarefie est h fonctlonnement contlnu et ä velne libre.   La temperature generatrlce et  la pres- 
slon generatrlce ont respectivement pour valeur 700 K et  1 bar.   L'ecoulement d'air est caracterise par un 
nombre de Mach de 8,1, une pression ä l'infini de 70 microns de mercure, une temperature de 50 K et un 
nombre de Reynolds de 2200 par cm.  Une tuyere evolutive rend negligeable le gradient du nombre de Mach au 
sein de la zone explore de  la velne d'essai. 

Les presslons parietales sont mesurdes ä 1'aide d'un capteur differentlel de pression ou  au moyen 
de thermistances  selon le nlveau de pression applique.  Les  forces aerodynamiques sont enreglstrees au 
moyen d'une balance ä trois composantes.  Les elements sensibles de cette balance ä dard sont constltues de 
lames de flexion munies de ponts de jauges extensometrlques de 350 ohms ä trame pelllculaire. 

3.  AILE DELTA PLANE 

Aux nombres de Reynolds eieves,  1'etude de 1'alle delta plane en ecoulement hypersonique a  fait 
l'objet de multiples travaux.   Les references 1 ä 5 apportent des Informations concernant  les effets de 
bord d'attaque,  de  fl&che et  de deplacement de couche  llmlte sur  les caracterlstiques de l'ecoulement au 
volslnage de  1'aile. 

Pour de falbles valeurs du nombre de Reynolds et des ecoulements hypersonlques caracterlses par 
d'importants effets  d'interactlon visqueuse,   les recherches theoriques et experlmentales relatives aux al- 
les delta sont au contraire peu nombreuses (references 6 ä 8).  Les presents rlsultats sont afferents ä des 
alles de 60°  de fleche dont on a fait varler  l'epalsseur  du bord d'attaque entre 0,04 mm et 2 mm.   Les  lon- 
gueurs de cordes prises egales ä 40,  50 et 60 mm fixent respectivement ä 8800,   11000 et  13200  les valeurs 
du r.ombre de Reynolds rapportc  ä la  longueur  de  1'alle. 

Aux falbles Incidences  (6), on s'est attache ä mettre en evidence les effets de l'emoussement du 
bord d'attaque et de  l'lncidence des maquettes,  effets qui  s'ajoutent ä celul de la vlscosite de  l'ecoule- 
ment.   Les efforts aerodynamiques s'exer;ant  sur les maquettes resultent ä  la fols des  forces de pression 
parietales et des  forces de  frottement.  Ces diverses composantes peuvent Stre mises en evidence  grace h 
des mesures combinees d'efforts aerodynamiques et de presslons parietales et 11 a ete possible de comparer 
les forces deduites de 1'lntegration des presslons parietales avec  les forces globales mesurees h  1'aile 
de  la balance  aerodynamique. 

Pour un Reynolds de  13200 rapporte ä la longueur de  1'aile,   la figure 1 donne 1'evolution du coef- 
ficient de trainee en fonctlon de l'lncidence.   En trait contlnu,   les valeurs correspondent aux coefficients 
de trainee globaux deduits des  forces mesurees ä l'alde de  la balance.   Les courbes en trait discontinu rc- 
presentent  la part  due aux seules forces de presslons parietales dans ces coefficients. 

c 
0,12. 

o,oa 

0,04. 

A =60 

(UL = 13200 

Fig. 1 - Repartition du coefficient 

de trainee 
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Les forces de frottement repr£sentent en fait la difference qul exlate entre les forces globales et     > 
les forces de pression. La figure 2 raontre le pourcentage de la trainee de frottement sur la trainee to-   jil ' J> 
tale en fonctlon de l'Änoussement et pour plusleure angles d'lncldence des alles. A tltre Indlcatlf, ä 
l'incldence nulle et pour une alle effllie, 90 X   de l'effort de tratnäe risulte de la force de frottement; 
ce pourcentage dlmlnue blen sflr consld£rablament lors d'une augmentation d'&noussement ou d'lncldence. 

100X 
C,   total   maauri 

% 
• (mm) 

Fig.   2 - Decomposition de la  force de trainee 

Les nlveaux de presslons parlfitales mesurSes le long de Taxe d'une alle de 60°  de flfeche,  50 mm de 
longueur et 1 mm d'äpalsseur de bord d'attaque sent port^s sur la figure 3 en fonctlon de l'incldence,   Ils 
sont compares,  d'une part,  ä de pr^eädentes donn£es relatives ä des valeurs supärleures du nombre de Rey- 
nolds (9) mals correspondant approxlmatlvement au m8me nombre de Mach de l'ieoulement et,  d'autre part, 
avec les valeurs th^orlques resultant de 1'application des  theories du cone tangent et du dlfedre tangent. 
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Flg. 3 - Niveau de piession 

parl^tale le long de l'alle Flg. 4 - Correlation de presston longltudlnale 

Des etudes antirleures raesurees ä de plus fortes valeurs du nombre de Reynolds, en partlculler celles 
de Rao (9) et Barber (5) ont montr« que le niveau de pression sur l'axe de l'alle est peu different de la 
valeur thiorlque du c»ne tangent lorsque l'incldence de l'alle est sup^rleure & 15". Dans nos conditions 
d'exp^rlence, caracterlsöes par un nombre de Reynolds de 11000, le niveau de pression sur l'axe est compa- 
ratlvement plus «lev« et dtpasse mfane la valeur th^orlque du dlfedre tangent pour les falbles incidences al- 
lant Jusqu'i 10° environ. Cette «Wvatlon de pression peut a'expllquer lei par la predominance des effets 
d'lnteractlon vlsqueuse. 
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Dans le cadre de cette representation de presslon parl£tale, une seule öpalsseur de bord d'attaque 
fixfie ä 1 ram a 6t6  retenue. En effet, si l'on ne considöre que la region avolslnant l'axe de l'aile et 
dans le cas d'angles de flache voislns ou sup^rleurs ä 60°, des Etudes antdrieures (5, 10) ont montr^ 
qu'une variation m&ne sensible de l'fipalsseur du bord d'attaque n'lnfluen^alt que tr6s localement et fal- 
blement les valeurs des presslons parlltales axiales mesuräes. II en serait tout autrement pour un corps 
bldlraenslonnel, par exeraple dans le cas d'une plaque plane, oü 1'effet d'ämousseraent est tres marquä et 
affecte grandement la repartition longltudlnale de presslon parl^tale (11). 

Les valeurs des presslons parl^tales raesuröes le long de l'axe de l'aile entre l'apex et le bord 
de fulte sont ägaleraent coraparfies sur la figure 4 avec Involution thöorlque d^flnle par Cheng (12) et 
Kemp (13). Ces theories de forte Interaction vlsqueuse s'appllquent en fait ä des ficoulements bldlmenslon- 
nels ; on remarquera toutefols que, mSrae pour l'aile delta, 1'accord entre les valeurs experimentsles et 
th^orlques est relatlvement satisfalsant, exception falte des Incidences negatives les plus eieväes - 15° 
et - 20° pour lesquelles l'äcart est d'autant plus marqud que les orifices de prises de presslon corres- 
pondants sont plus öloignäs de l'apex. 
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Fig. 5 - Influence du nombre de Reynolds 

sur le coefficient de trainee 

Fig. 6 - Coefficient de force normale 

appliqufie sur 1'intrados 

Les efforts a^rodynamlques ont 6t6  mesur^s pour les nombres de Reynolds de 8800 et 11000 et une In- 
cidence d'alle pouvant attelndre 40°. Les r^sultats indiquent qu'un changement d'Spalsseur du bord d'atta- 
que n'affecte pratlquement que la trainee, aucune variation correlative n'etant perceptible dans la repar- 
tition de portance. On a pu comparer les valeurs des coefficients de forces C et C avec des precödentes 
donnees relatives ä des nombres de Reynolds plus eieves (9), Le niveau de rarefaction n'a que peu d'in- 
fluence sur les valeurs du coefficient de force normale mals par ailleurs 11 affecte conslderableraent le 
coefficient de force axiale. En ce qui concerne la trainee, figure 5, un ecart considerable apparatt entre 
les valeurs correspondant aux falbles nombres de Reynolds et celles calculies d'aprfes les rfisultats de Rao 
(9) d des densltes nettement superieures pour lesquelles les forces de frottement devlennent negligeables. 

A titre d'in formation, la repartition du coefficient d'effort normal s'appllquant sur 1'intrados de 
l'aile est representee sur la figure 6. Les valeurs experlmentales sont calcuiees ä partir des forces nor- 
males globales mesurees, lesquelles sont decomposees sur chaque ,ace laterale de l'aile en tenant compte 
des valeurs moyennes de presslons parietales enreglstrees. Les courbes representatives de la theorie du 
cone tangent et du dlfedre tangent sont fracees sur la mSme figure alnsi que les valeurs theoriques defi- 
nles par Davles (7) dont le modfele analytique s'applique au cas de l'aile delta dans les regimes combines 
de fälble et forte Interaction vlsqueuse. 



4. AILE DELTA MUNIE D'UN SPOILER SOLIDE 

Le guldage de 1'aile peut 6tre assure par l'adjonctlon de gouvernes ; on se Umltera dans le pre- 
sent paragraphe au seul cas d'un spoiler solide attendant sur toute l'envergure du bord de fulte. Mont£ 
sur un v£hlcule spatial, un tel dlsposltlf peut 6tre actlonn£ par un m^canlsme trfes simple qul n'auralt 
pas ä supporter des variations de moment de charnifere comme pour d'autres types de volets h  braquage va- 
riable et pour lesquels 11 est nöcessalre de communlquer un couple dont 1'Intensity est ll£e au processus 
du d^collement et du recollement sur la gouverne, 

Le spoiler assocl^ A I'alle delta donne nalssance &  un d£colletnent trldlmenslonnel. A des vltesses 
hypersonlques et pour de fortes valeurs du nombre de Reynolds, quelques auteurs (14, 17) ont analyst les 
effets assocl£s & de tels icoulements. Le travail de Rao (9) montre la complexity des phdnomfenes de d£col- 
lement ; ces dernlers varlent slmultan^ment en fonctlon de 1'incidence de I'alle, de la g^om^trle du vo- 
let et suivant la viscosity de l'öcoulement, 

Les mesures pr£sent£e8 sont llmit£es au cas d'une alle delta de 0,5 mm d'£palsseur et de 50 mm de 
long. En presence d'un spoiler solide de 7,5 mm de hauteur et en incidence nulle, les Isobares de pression 
d'arrSt et les traces des chocs dans le plan de sym£trle de I'alle sont port£es sur la figure 7. Une vi- 
sualisation de l'£coulement de surface par film d'huile a ^galement permis de montrer la complexity de 
1'interaction. Sur la figure 8, les regions ombries correspondent aux zones d'accumulation d'huile ; la 
limlte amont du d^collement trldlmenslonnel y est clalrement lndlqu£e. 
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Fig.   7 - Configuration de  l'äcoulement dans 

le plan de sym£trie  de I'alle 

Fig.   8 - Visualisation de l'£coulement ä 

la surface de I'alle 

La distribution longitudlnale de pression est  donn^e  sur la figure 9 depuls 1'apex d£finl  par une 
abscisse nulle Jusqu'au pled de  l'£levon.  L'effet du d£collement apparatt ä partir de 10 mm ä l'aval de 
1'apex,  la pression s'ilevant progresslvement pour atteindre un niveau quasi-uniforme dans  la region d6- 
coll^e.   Le läger maximum observe h 10 ran en amont de  1'Eleven pourralt  s'expllquer par un ph£nom&ne d'£- 
coulement trldlmenslonnel. 
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Fig.  9 - Repartition de pression parUtale sur  l'axe de I'alle 
avec spoiler solide 
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En consldlrant la mfime configuration d'alle, la repartition transversale de presslon mesur^e & mi- 
hauteur  de spoiler est Indlqu^esur la figure 10. Le nlveau de presslon senslblement constant dans la re- 
gion centrale du spoiler s'accrott tr&s rapldement au fur et k mesure que I'on se rapproche de ses extr£- 
mit^s. Cecl r^sulte vralsemblablement d'une trfes Intense Interaction entre les parties laterales du 
spoiler, d'une part, et les chocs Incident et de recollement, d'autre part, A 10° d'lncldence I'lnterac- 
tlon est d'autant plus accentufe que le choc tridlmenslonnel Indult par les bords d'attaque de 1'alle 
frappe une surface plus Importante du spoiler. L'examen de la figure montre, pour quelques Incidences, 
que les parties laterales du spoiler provoquent I'effet le plus Important en entratnant de sensibles mo- 
difications des caract£rlstlques a^rodynamlques de l'alle, Cecl est ^galement mis en Evidence dans les 
mesures de forces. 

Fig. 10 - Repartition de presslon parl^tale k  ml-hauteur le 

long du spoiler solide 

Pour plusleurs hauteurs de spoiler, la figure 11 präsente la variation du coefficient de trainee 
de l'alle en fonctlon de 1'Incidence. L'incidence est consld€r£e comrae positive pour un £coulement en 
compression sur la face de l'alle delta qui porte le spoiler. Les regions dicollies  sont trfes itendues 
et les interactions entre les chocs incidents et les portions laterales du spoiler condulsent ä un impor- 
tant effet de la hauteur de spoiler. A une Incidence infärleure ä - 20°, le spoiler est presque entlfere- 
ment situi  dans le sillage de l'alle et devlent inefficace. 

M 
\  \ 

- \ 
^ \ \ 

<^ 

!/ 

:7 

30    10    10 -10   -10   -30 

Fig. 11 - Effet de la hauteur de l'ilevon sur In repartition 

du coefficient de trainee 
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5.   AILE DELTA MUNIE DE SPOILERS  FLUIDES 

Le contrSle dlrectlonnel d'un corps portant peut figalement  s'effectuer ä  l'alde de spoilers  flul- 
des,  essentlellement ä haute altitude oü 1'Intensity des efforts a^rodynamlques est relatlvement  fälble. 
Dans ces conditions,   la force d'Impulsion des Jets secondalres,  affect€e d'un facteur multlpllcateur  116 
au mode d'interactlon qul  s'itabllt entre l'£coulement ext£rleur principal et  les Jets secondalres,  est 
süffisante pour communlquer un mouvement de guldage au v^hlcule.   Une pr£c€dente £tude (18) montre que, 
dans le cas d'une alle delta plac£e dans un äcoulement ä Mach 4 caract£ris£ par de grands nombres de Rey- 
nolds,  la variation de force normale due ä une Injection flulde repr£sente en Incidence nulle et selon 
les conditions d'lnjectlon 2,5 h 3,6 fols  la force d'lmpulslon propre du Jet. 

Les maquettes utllls^es dans  le cadre de notre recherche sont repr£sent£es sur  la figure 12.   L'aile 
delta de 60°  de fliehe et 50 mm de  longueur est munle de deux orifices clrculalres d'lnjectlon de 2 mm de 
dlamitre localises ä 3 mm ä l'amont  du bord de fulte.   Ces spoilers sont disposes  sym^triquement de part 
et d'autre de l'axe longitudinal de  l'aile.   Une teile disposition a 6t6 retenue compte tenu du fait  que 

Flg.   12  - Disposition des spoilers fluldes 

sur  le plan pratique un soufflage simultan^ des deux Jets ou un soufflage d'un  seul des deux Jets permet 
de communlquer au modele solt un mouvement de tangage,  solt un mouvement de roulls et de lacet.  On se 
bornera Icl ä la configuration d'un soufflage simultan^ des deux spoilers. 

Les repartitions de presslon parl^tale mesur^es  le long de  l'axe de  l'aile sont port^es sur  les fi- 
gures 13,  14_|t 15 pour les Incidences respectlves de - 20°, 0°  et + 20°.   Pour un mSme dibit d'alr Injec- 
ts  fixi ä 10    kg/s.,  deux ^cartements de 10 mn et 40 mm entre spoilers ont 6t6 cholsls.  A tltre de compa- 
raison,  on a lndlqu£ sur  les mCmes figures  les repartitions de presslons parl^tales en presence d'un 
spoiler solide de 5 mm de hauteur et couvrant  toute l'envergure du bord de fulte. 
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Flg.   13 - Repartition longltudinale de 

presslon parietale    i - - 20° 

Fig.   14 - Repertitlon  longltudinale de 

presslon parietale 1=0° 
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A l'lncldence de - 20°,   figure 13,   les däcollements Indults par les Injections fluides sont nettement plus 
importants que le d£collement associ^ h l'^levon solide  ;   le plus faible äcartement entre les orifices 
d'injectlon,  figure 12,  entralne le niveau de pression le plus &\ew6 au sein de la zone d£coll£e,  A 1'in- 
cidence nulle,  figure 14,   I'effet resultant  de l'injection fluide caractferis^e par  le plus faible ficarte- 
ment demeure prädominant.  Des visualisations d'^coulements par film d'huile ont montr^ que plus  I'lcar- 
tement entre les orifices d'injection augmentalt, moins 1'interaction entre  les deux zones d€coll£e8 si- 
tules en amont des orifices devenalt importante.  A la limite,   les deux zones d£coll£es n'interfferent pra- 
tiquement plus entre elles comme c'est  le cas ä l'incidence de 20°  pour  l'Scartement de 40 mm.  A cette 
dernifere incidence,  figure 15,   l'Slevon solide entratne un d£collement plua accentuS que celui resultant 
des injections fluides. 

V •p*il«r» IIHM«« 
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Fig. 15 - Repartition longitudinale de pression pari^tale i 20° 

Les mesures de forces a£rodynamiques confirment Involution constatäe de ces rfsultats partlels de 
pressions pari£tales. Au plus faible icartement des spoilers fluides correspond une region dicollGe  plus 
importante, et en consequence la force d'interaction engendr^e est plus intense ; cette force d'interac- 
tion, normale ä la surface de l'aile, s'ajoute ä la force de reaction du Jet de spoiler. 

Les valeurs du coefficient de trainee en fonctlon de l'incidence de l'aile sont portäes sur la fi- 
gure 16 pour les trois configurations sans spoiler, avec spoiler solide de 5 mm de hauteur et avec spoi- 
lers fluides distants de 10 ran. Le bord d'attaque de l'aile etant dissymetrique, figure 12, si l'on con- 
sidfere l'aile sans spoiler l'incidence nulle ne correspond done plus exaetement au minimum de trainee. 
Les spoilers fluides etant Orientes perftendiculairement ä la surface de l'aile, la variation de trainee 
qu'lls entralnent repr^sente seulement la sonnte des composantes de trainee de la force de reaction des 
jets, d'une part, et de la force de pression induite par la presence des decollements ä l'amont des in- 
jections, d'autre part. Par contre, 1'utilisation d'un spoiler solide donne Heu ä un tr&s net aecroisse- 
ment de la trainee sauf aux incidences inferleures h - 20° pour lesquelles le spoiler est situe pratique- 
ment dans le slllage de l'aile. 
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Fig.   16 - Effets de spoilers sur la repartition du coefficient de trainee 



Si l'on s'int^resse au contrOle directlonnel de la plate-forme, les valeurs enregtstrfies des for-      _ 
ces afirodynamlques normales ä la surface de l'aile montrent que les spoilers fluldes restynt efflcaces   Jll ~ I 
quelle que soit 1'lncldence. Aux präsentes conditions de rarefaction d'äcoulement caractärisäes par un 
nombre de Reynolds de 11000 fond£ sur la longueur de l'aile et dans le cas d'une Incidence positive de 
1'alle, la variation de force normale communlquäe par le soufflage secondaire repr^sente plus du double 
de la valeur d'lmpulslon propre des spoilers. M6me aux tths  fortes incidences negatives pour lesquelles 
le spoiler solide situ^ dans le sillage de l'aile devient totalement inefficace, 1'utilisatlon des spoi- 
lers fluldes permet de räcupfirer au molns la force de reaction des jets. 

Pour les trols configurations d'alles, on a portS ä titre indicatif sur la figure 17 les valeurs 
de la finesse en fonctlon de 1'lncldence. Aux incidences positives, le spoiler solide affecte trfes sensl- 
blement la valeur de la trainee de l'aile, et en consequence la finesse correspondante est nettement plus 
fälble que celle qui r£sulte de 1'utilisation de spoilers fluldes. 

T 
' 

Fig. 17 - Evolution de la finesse Fig. 18 - EfficacitS compar€e des spoilers 
solides et fluldes 

6. CONCLUSIONS 

L'fitude exp^rlmentale du comportement aärodynarnique d'une alle delta a ct4 t'ealläee dans un ecou- 
lement d'alr hypersonique ä Mach 8 caractärise par un nombre de Reynolds de 2200 par cm. Pour un tel re- 
gime de forte interaction vlsqueuse les risultats de pressions parlfitales et de trainee aärodynamlque 
montrent ä quel point les effets de viscosity et de däplacement de couche limlte affectent les grandeurs 
aärodynamlques. 

Dans le cas de l'aile delta plane et notamment ä fälble incidence,une part trfes importante de la 
trainee räsulte des seules forces de frottement ; de plus, les r£sultats expärlmentaux font apparattre un 
net accrolssement du coefficient de trainee avec la diminution du nombre de Reynolds. A de fortes densi- 
t£s d'£coulement et pour une incidence de l'aile supärieure ä 15°, certains auteurs ont monträ que le ni- 
veau de pressier. parl£tale enreglstr£ sur l'axe de l'aile ita.it  peu different des valeurs calculäes d'a- 
prfes la thäorie du cSne tangent. Aux präsentes conditions de rarefaction,les pressions mesuräes sont plus 
äleväes et suivent valablement les lols de forte Interaction de Cheng et de Kemp. 

Les räsultats «pportent ägalement des renseignements et des donnäes quantitatives sur l'efficacitä 
de dispositifs de guldage directlonnel de l'aile ä haute altitude par spoilers solides ou par spoilers 
fluldes. Dans le cadre de 1'utilisation d'un spoiler solide de bord de fuite, 11 a &t€  possible de carac- 
tärlser l'effet du spoiler sur les valeurs des coefficients aärodynamlques. Des visualisations ont ägale- 
ment permis de däfinlr le mode d'lnteraction entre la gouverne et l'äcoulement extärleur et de präclser 
l'ätendue de la zone däcolläe, sifege de phänomfenes tridlmenslonnels trfes complexes. Four une large plage 
d'lncidences, les parties laterales du spoiler solide interf&rent directement avec l'onde de choc ämanant 
des bords d'attaque de l'aile ; elles Jouent de ce fait un rOle präpondirant dans 1'accrolssement mesurä 
de la trainee. 

II £tatt interessant d'ätudler parallfelement l'efflcacltä du gui "age directlonnel de l'aile par 
spoilers fluldes dans le m6me cadre de leur utilisation ä fälble nombre de Reynolds. L'analyse du mäcanis- 
me de l'lnjectlon montre en partlculler que l'effet des spoilers fluldes est d'autant plus marquä que ces 
demiers sont plus rapprochäs de l'axe de symätrie de l'aile ; 11s engendrent alors un dicollement plus 
accentuä s'aecompagnant d'une forte älävation de presslon induite parlätale. Pour la quasi-totalitä des 
Incidences consldäräes et surtout aux Incidences positives, 1'utilisation des spoilers fluldes entratne 
une variation de tratnie tris Infärleure ä 1'augmentation enreglsträe avec le spoiler solide, 

A tltre de comparaison, la figure 18 präsente les variations correlatives de tratnäe et de portance 
conmunlquäes par la presence de spoilers solides ou de spoilers fluldes. L'aile delta de 60° de flfeche et 
de 50 mm de longueur est munle dans ce cas, solt d'un spoiler solide de bord de fulte de 5 mm de hauteur, 
solt de deux spoilers fluldes de bord de fulte distants de 10 ram. 

Pour une mSuie incidence, on constate que le passage de la configuration de l'aile plane ä celle de 
l'aile avec spoiler solide s'aecompagne d'une variation de portance mals surtout d'une trfes nette augmen- 
tation de tratnäe ; cette augmentation est prädominante aux Incidences positives. Comparativement, le 
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passage de 1'alle plane k  1'alle munie de spoilers fluidea donne lieu k  une variation de portance souvent 
äquivalente sans entratner corr^latlvement un accrolssement d&nesurä de la trainee pr^judlclable pour 
certalnes configurations de vols, 
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A REVIEW OF SUPERSONIC SPHERE DRAG 

FROM THE CONTINUUM TO THE FREE MOLECULAR FLOW REGIME 
^3--( 
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AERITALIA - Uffici dl Torino (Italy) - Ser-vizlo Studi Special! 

SUMMARY 

The evaluation of the sphere drag coefficient has been the object of extensive theoretical investiga- 
tions for a long time; a large amount of experimental data has been collected to substantiate those studies 
and to p'-ovide the needed information for the flow regimes for which the theoretical approaches are still 
missing. 

The scope of the present review is to attempt the establishment of a more complete panorama of the 
supersonic sphere drag predictions over the entire range of flow regimes ranging from the continuum flow 
to the free molecular flow,   in order to provide in a consistent form the design engineer of the information 
required for the aerodynamic design of space vehicles. 

The theoretical methods developed to cover the various flow regimes such as: continuum low density- 
free molecular - near free molecular - intermediate - have been reviewed and discussed in the light of the 
comparison with the pertinent experimental data available. 

New semiempirical formulas for the correlation of the experimental data are derived for the low den- 
sity continuum flow and for the near free molecule flow regimes. 

For the intermediate flow regimes,   ranging between the continuum flow and the free molecular flow, 
the results of a semiempirical method recently developed by the author are presented and discussed. 

I.   INTRODUCTION 

The Interest in methods for correctly evaluating the drag coefficient for a sphere,  over all the range 
of the Knudsen number from the continuum limit up to the free molecular limit,   dictated,   apart from the pu- 
re theoretical speculation, by the increasing needs supported by space applications,  has stimulated seve- 
ral theoretical approaches and has promoted in recent years extensive experiments. 

The concern in supersonic flow drag predictions previously confined,  due to the aircraft applications, 
to the continuum flow regime,  has been extended in recent years to cover the entire spectrum of flow re- 
gimes because in atmospheric entry flights a vehicle initially flies through a free molecule atmosphere, sue 
cessively passes through the transitional regimes and completes its flight in the continuum regime. 

Among the different flow regimes Into which fluid mechanics has been subdivided,  only ordinary con- 
tinuum gasdynamic,  for which the density is sufficiently high so that intermolecular collisions dominate 
(Kn«l),   and free molecule flow for which the gas Is sufficiently rarefied that collisions with the bounda- 
ries dominate over collisions between molecules (Kn»!),  are well defined; the physical situation for the in 
termediate flow regimes Is very involved so that only sophisticated and complex mathematical models have 
been developed,  which are generally impractical for engineering purposes. 

In the present note five distinct regimes are separatly analyzed: the continuum flow,   the low density 
continuum flow,  the free molecular flow,   the near free molecule flow and the Intermediate or transitional 
flow; for each of them the theoretical prediction available has been discussed and compared,  the pertinent 
experimental results have been reviewed and new correlation formulas have been developed. 

1. 1. Drag force definition 

The aerodynamic forces rising from the interaction of a body moving through a fluid at rest are the 
resultant of the local actions exerted by the fluid on the body surface elements. 

The unit force acting on each surface element can formally be subdivided into a normal component "pres 
sure" and a tangential one "friction or shear"; "pressure drag" is the component in the direction of motion 
of the resultant of these "pressure unit forces" and "friction or shear drag" the one of the "friction unit 
forces". , 

What Is usually called "Drag of Resistance" Is th-    otal force acting In the direction opposite to that 
of motion,  sum of the "pressure and friction drag comp    ,ents". 

Even when the geometry of the body Is as simple as the sphere the evaluation of the drag force is not 
easily accomplishable; in fact a complete theoretical formulation does not yet exist to predict with suffi- 
cient accuracy, of the level required for engineering applications    the value of drag over all the flow re- 
gimes ranging from the continuum to the free molecular flow. 

As well known,  the first resistance law we^. derived by Newton on the basis of the momentum theorem 
adopting an hypothetical medium consisting of particles not exerting any Influence whatsoever    on each 
other,  the drag relation:Daf pV*A was obtained,  by simple summation of the actions exerted on the unit sur 
face elements of the body surface,   being pthe fluid density, V the velocity, A the projected area of the bo- 
dy in the flow direction (reference area), f a proportionality factor. 
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The newtonlan model,  as discovered many years later      falls to predict the drag when the fluid,  as 
air at low altitudes, needs to be considered as a continuum medium,  with fluid particles influencing each 
other; in such conditions shock and boundary layers are formed around the body and more complex approa 
ches are required to evaluate the drag force. 

Following the form proposed by Newton it has become usual practice to express the drag force through 
a non dimensional proportionality factor called the drag coefficient:   Co=D/i/2pV A 

Such a drag coefficient can accordingly be expressed as the sum of a pressure and a shear drag coef_ 
flcient; in the case of a sphere here considered, geometrical considerations allow the establishment of the 
basic relationship: 7 » 

CD=   CoP+Coc-   -l/xf^vL   [i J^^««*»-«^«  - l/^^-'*'1-] eq.1 

on the basis of which the drag coefficient is obtainable by means of simple integrations provided the distn 
bution of the pressure p  and the shear stress T along the body is known. 

Unfortunately only for the two extreme cases of continuum and free molecJlar flow regimes the know- 
ledge of the flow field is such as to allow a theoretical evaluation of the drag force; so that the experimen- 
tal drag data are of great importance in substantiating the theoretical predictions when available and in 
supplying the information needed for some flow regimes for which such predictions are lacking. * 

2. CONTINUUM AND LOW DENSITY CONTINUUM FLOW REGIMES 

2. 1. General remarks 

Dimensional analysis leads to the conclusion that in continuum flow, for a given body shape,  the drag 
coefficient turns out to ciepend on the Reynolds and Mach numbers,   in the more general case In which as 
in compressible fluids elastic forces are of the same Importance as inertia and friction forces 

For the hypersonic flow regimes,  realized for a sphere forM>6,  the drag coefficient turns out to be 
dependent only on the Reynolds number. 
The Reynolds number that has been used in the classical analysis,  as well as In the early correlations of 
the experimental results,  is the Infinity Reynolds number based on free stream conditionssR^a pVD/jl„ 
Subsequently it has been found that different forms of the Reynolds number could be more profitably adop- 
ted as scaling parameters for presenting drag datajexpecially when low density effects have to be investi- 
gated: 
- The wall Reynolds number Rew= p V o/\i^   based on free stream mass flow and fluid viscosity evaluated 

at the wall temperature. 
- The stagnation Reynolds number Re 

temperature 
- The shock Reynolds number Re 

pV D / U     with fluid viscosity evaluated at the stagnation point 

with flow properties behind the normal part of the bow s- fU^As 
shock wave evaluated according to conventional Rankine-Hougoniot shock wave relations 

The evaluation of the drag coefficient involves as said (eq. 1) the knowledge of the pressure and shear 
distribution along the body surface, that can be expressed in principle on the basis of the Van Dyke (56) 
perturbation procedure of the Navier-Stokes equations in term of the parameter 

as:     p »   p. + 6 [»» •» ft p, and    t «   C Z, * €  tt. 
The pressure distribution p, is resulting from the Inviscid flow field analysis; theoretical methods In 

the form of numerical solutions are available but are applicable only to the front part of the sphere,  (for- 
tunately the contribution of the rear part of the sphere is not too high, expecially for supersonic flow con 
ditions,  so that It can be neglected without Invalidating the solution). 

The first order shear force distributionT, ,   Is resulting from the classical boundary layer analysis 
based on the Inviscid pressure distributionp,; the solution Is extended downstream up to the point of sepa- 
ration,  (the contribution due to shear in the region beyond separation Is usually neglected being general- 
ly small); boundary layer analysis provides in addition the Information on the displacement thickness,  that 
In turn allow the evaluation of the modified pressure distribution on a corrected body shape. 

The second order pressure and shear stress distribution can be evaluated on the basis of the pertur- 
bation type procedures and account for the vortlcity, longitudinal and transverse curvature, displacement, 
slip and temperature effects. 

A good approximation to the sphere drag can therefore be obtained using only boundary layer theories 
by integrating the pressure and shear distribution up to the point of separation; the drag coefficient re- 
sul,s: /■ n-'        (   f'        • 1 . f7 • 1 »f1' C0   " (-  !••*•)        *   S     I   P' /»,%-*c*'»* e*,<   +  £   \  ft   ••*-« «*••<   «X   * 6        (»» -»^.4c*»« at* + 

." * .8 eq.2 
0* 

U' 
-•e  * £   (cTi * c»t.J^ e*(c«(»»- Co».) 

sum of the near inviscid,  essentially Infinite Reynolds number, pressure drag coefficient Cpc P'us * first 
order boundary layer term,  accounting for skin friction and induced pressure effects, plus a third term 
representing all the second order boundary layer effects. 

Ir.:; -'•ucing the shock Reynolds number R« we obtain the relation: Co • Csc ■» *• //RIJ ■*■((,/ ft«t e^ 3 
expressing »he drag coefficient In the same form as the one proposed by Aroesty (1) and later adopted by 
Kinslow and Potter (27) to correlate experimental results. 
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2. Z Continuum flow 

For the evaluation of the near inv/iscid continuum flow drag coefficient CQC >  being questionable the 
theoretical predictions of the pressure distribution,  experimental data have often been used; several di- 
rect evaluations of the sphere drag coefficient have been accomplished using supersonic wind tunnels and 
aerobailistic ranges,  we recall Charters and Thomas (12),  Clark and Harris (14),  May and Witt (32),  Hod 
ges (23), Halperson,  Boltz and Hall (20), Hailsmaier (19),  Kinslow and Potter (27),  Bailey (5) results, 
that indicate as for Re^lO the sphere has to be considered in the realm of continuum flow. 
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Fig   1      CONTINUUM     FLOW   DRAG  DEPENDENCE   ON   MACH 
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A progressive reduction of the drag coefficient,   the higher the Mach number,   is noticeable for all 
the sets of data,   with an asymptotic limit for   M>6(fig. 1).  Old wind tunnel data,   especially the ones by 
Hodges (23),   seem to fix this hypersonic limit value to 0,92 while more recent results obtained by Bailey 
(5) with an aerobailistic range consistently give,   with 1.5% accuracy a limiting value of 0.88.  The wall 
temperature effect can be of some relevance to account for such differences; Bailey results are indeed for 
a cold wall model ( TW/T0'>'C12) while Kinslow and Potter results,  that agree with the Hodges ones,  are for 
the same Mach number and for higher wall temperatures {XtJT0''0,7); the latter giving higher drag values, in 
agreement qualitatively with the established influence exerted by wall temperature on drag,   as brought to 
evidence by the investigations of Ashkenas (2). 

Correlating the above experimental results,   an empirical expression for the mean drag coefficient is 
derived for the supersonic flow conditions    I ■j-*. M ^ 6 Cat   «   O-l ■+ (o.ii, /w - o.ou \ eq. 4 
the value of CDC = 0.9being retained for the hypersonic flow conditions. 

I ' 
\ 

2, 3. Low density continuum flow 
_ 4 
For flow conditions extending in the low density regimesRes<10 it is necessary to account for bounda- 

ry layer first and second order effects. The evaluation of the first order skin friction term poses the still 
formidable problem of resolution of the non similar boundary layer viscous flow; approximate solutions ha- 
ve confirmed that the skin friction drag has a dependence on the rarefaction parameter of the type iXfpTT 

Another first order effect induced by the reduced density is the one introduced on the pressure di- 
stribution by the boundary layer displacement; Potter and Bailey (40) have predicted on the basis of the 
Navier-Stokes equations and the Rankine-Hougoniot shock relations,  an increase of the stagnation point 
pressure,  over the continuum flow value,  given by the relation    P» /p., »   I •♦ ll lf—/f«) *//«,,; such 
effect has been confirmed experimentally by Potter and Bailey (40), while the form of the pressure distri- 
bution along the sphere surface has been found by Potter and Bailey (40),  Bailey and Sims (6) to be almost 
unaffected by the rarefaction effects,  at least for Res as low as 20. 

The pressure component of drag therefore can be scaled directly as the Increase of the stagnation 
point pressure and the form |/fp    ,  found for the first order friction term,  applies as well for the pres- 
sure induced effects, as obtained formally by the perturbation type analysis previously recalled. 

The extension of boundary layer analysis to more rarefied flow regimes has brought in evidence the 
importance of higher order boundary layer effects not present in the classical analysis. Perturbation pro 
cedures with an expansion of the complete Navier-Stokes equations in Inverse power of the square root of 
a Reynolds number have been adopted by Van Dyke (56),  to Investigate the stagnation point region and ex- 
tended by Davis and Flugge-Lotz (15) to derive second order boundary layer solutions on blunt bodies, 
such as the sphere,  up to locations several radii downstream of the stagnation point. 

Such complex analyses do not provide closed form solutions,  but allow only to deal with specific ca- 
ses; for the sphere it has been obtained: Co » 0. f^ •» * '//STs (M»I#)1«/T«»».I]  Ci • O,^-» Vl//5^ ( M»»«.T«</f;»0.«] 

The drag coefficient has been computed through numerical Integration of the pressure and shear di- 
stribution,   including only terms order l/^/pT— because even if the shear distribution was known up to or- 
der l/Res    the pressure was not, due to the fact that,  to obtain a second order perturbation pressure di- 
stribution,   it is necessary to solve the outer flow region Including third order terms,   thus requiring a 
coupling of the Invlscld and viscous solutions.  By examining Davis and Flugge-Lotz second order shear 
terms results,  It can be inferred   hat,  at least for the front part of the sphere,  these effects are expec- 
ted to bring In a negative contrlbut on to the drag coefficient, being negative the coefficient of the shear 
term order l/Re    . 

In the recent years a large amoum of experiments have been performed to Investigate the behaviour 
of supersonic sphere drag under low density continuum flow conditions,  that is to say for approximatlvely 
10 < Res<lo        ,   we recall among others the results of the experiments conducted by Srcckanth (54), Wege 
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ner and Ashkenas (59) Aroesty (1),  Ashkenas (2),   Gelger 

(18),   KInslow and Potter (27),   Bailey (5),   Phillipsand 

Kuhlthau (39),  Smolderen Wendt Naveau and Brai ilette 

(53),   KoppenwalIner (28),   Kussoy and Hör ,i (29) some 

of which are collected in fig. 2 to provide e general pictu- 

re of the available results. 
The above investigations have been performed for dif 

ferent wall temperature conditions and cover a wide ran- 

ge of Mach numbers (LS^M^IS ); the scatter among the re 

suits is rather high and turns out to be lower for aerobal- 

listic range experiments than for the wind tunnel ones. 

Following Aroesty (1) it has become in use to corre- 

late the results in the form previously discussed: 

Co «- c»c ■»• *! /l/ft<l   *   ''x / R«» eq. 5 
with   K,. K. ( M,Tft,T«.]      and    Ki • K» ( M.T.,Tw) 

The function K, has been found to be positive and io decre_a 

se for increasing Mach,  up to the hypersonic conditions 

for which it depends only on the surface wall temperature. 

The dependence from the stagnation temperature and 

on the wall temperature levels,  has been put in evidence by 

Kinslow and Potter (27) through the parameter HW = 1^T-1; 

a reduction of the skin friction drag coefficient,   and in ge- 

neral of the first order terms,  has been found to be asso- 

ciated with a reduction in wall temperature,   as   it has been 

demonstrated theoretically,  for the flat plate case,  and is 

ascribable to the fluid viscosity variations with tempera- 

ture within the boundary layer, 

j»      . !ä The function K, has been found to be negative,   with a 

i^ similar dependence on Mach number and temperature para 

^ ' ' I    meter,   this confirms the observation previously done on 

the basis of the Davis and Flugge-Lotz theoretical results. 

We remind that an analysis,   similar to the one of Kinslow 

and Potter (27),  has been successively conducted by Bai- 

that has been 
found to be positive. 

Apart from the still existing uncertainties on the values of K^nd K2 and on their dependence from the 

basic parameters,   that is due to the unavailability of closed form solutions able to predict the shear stress 

distribution and the corrected pressure distribution along the sphere surface,  the conclusion generally 

reached is that the two terms formulation is sufficient to deal with the extension in the low density regi- 

mes of the continuum flow drag formula up to about Res=io; further extensions to more rarefied flow con- 

ditions have to be accomplished applying a non continuum flow analysis. 

The available results have been reexamined and a  new correlation formula,   that seems to correlate 

reasonably well a wide body of results,   has been obtained. 

It has been assumed that in the flow regimes io <Res<104 the supersonic sphere drag coefficient is 
expressed by the relation: 

the constantsC, andC2 have been determined on the basis 

of the cold wall hypersonic conditions results obtaining 

C, = 1.78 and   C2- 0.5. 

The function f (IVI1X)has been assumed to be dependent on 

the Mach number and on the parameter XS\|TA    ratio 

of the wall to free stream temperature.  Several correla 

tions of the experimental results have been attempted, the 

best one has been found (see fig. 3) to be versus parame- Q Q.I 0.2 O 

ter OrrXVlVI3 

' Fig.3   PRESENT CORRELATION   FORMULA 
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le> (5) for cold wall conditions,   that has lead to different conclusions on the value-of K, 

0.3 

3. FREE MOLECULE FLOW REGIME 

For highly rarefied gas flows,  denominated free molecular flows^ccurring when the appropriate mean 

free path of the incoming molecules X  is much greater than the characteristic body dimension,  diameter D 

for the sphere,   the aerodynamic forces acting on a body are dotermined only by the collisions between gas 

molecules and solid surface,  being ignorable the intercollisions between gas molecules. 

In the free molecule flow regime,  due to absence of intermolecular momentum transfer,   the incoming 

and the reflected flows are not interacting and the aerodynamic forces dF acting on a surface element dA 

can be evaluated as sum of impact momentum of free stream molecules and reactive momentum of reflected 

molecules; it is convenient,  as done in continuum flow,  to resolve the momentum flux per unit area to the 

surface element into a normal component p (pressure) and a tangential component T   (shear stress). 

,- 



3.1. Incident molecules momentum transfer 

For a comprehensive treatment of the free molecule flow transfer theory,  reference Is made to Tslen 
(55) Ashley (3) and to the classical textbooks by Schaaf and Chambre (49) and Hayes and Probsteln (21); 
we recall only hereafter some conclusions relative to the Incoming molecules momentum transfer. For unit 
surface elemen^at an angle of attack 9j  with respect to the flow direction,  the contribution to the normal 

pressure turns out to be: 

&£ 

2^ Si*  l 
• tangential stress: and the one the shear tangential stress: 

being GT-Si->^.©; with S, r V-/^5T^« • /77i M   the Incident mole- 
cules "speed ratio",  that Is to say the ratio of the free stream mass 
velocity V,, to the most probable random speed of the molecules In 
the free stream. 

3, 2. Reflected molecules momentum transfer 

(TrTjt 

Fig 4  FORCE  COMPONENTS 

To calculate the contribution of the reflected molecules to momentum transfer It Is necessary to pos- 
sess an Insight of the mechanism of Interaction phenomena occurlng at the surface after collision of the 
free stream molecules; several models have been developed to treat the interaction process,  all introdu- 
ce a set of parameters whose value has to be determined to better match the experimental results,   that 
offer a very complex panorama due to the Intrlnsec difficulty In assessing the effect of the very many pa- 
rameters entering the problem. 

Maxwell In the original treatment of free molecule flow postulated two simp!« types of reflection pro- 
cesses: 
- the "specular or elastic reflectior" according which Incident molecules are assumed to hit the surface 
and to rebound perfectly elastically with the normal velocity component reversed and the tangential compo 
nent unchanged: psr »Pj   apd Tsr^Tj 
- the "diffuse reflection" according which Incident molecules are assumed to be trapped by the surface 
and successively reemitted with a Maxwellian velocity distribution having zero mean velocity,  correspon- 
ding to thermal equil ibriurrrat the surface temperature; the direction of reemlssion being Independent or 
the one of Incidence: p^,. =pw   and    T^,. = 0. 
The normal momentum (pressure) for the diffuse reflection case is calculated assuming the reflected mo- 
lecules as issuing from a hypothetical gas at rest at a temperatureTw   resulting from the balance of.ener- 
gy influx and efflux to and from the surface. 

pw.    M~ J '/t/wn  ^{-crV ß iN/n cr(i*^arjj ~P 

PSMPr=( *1 ^ = ri - Tr = ^ r* •1 12. 

I 

Schaaf (48) and Hurlburt (24) have suggested to introduce two different coefficients for the transport 
of momentum to and from the body surface,  respectively in directions normal and parallel to the surface: 
^M« (P'" ?')/( P'-pw) normal accomodation coefficient and  ^r ■ (li't^fTt   tangential accomodation coeffi- 

cient.   In order to ameliorate the maxwellian model that the experiments by Hurlbut (24) have shown not to 
be sufficient to describe the reflection process of momentum adequately. 

According to what is known as the Schaaf Chambre (49) model the total pressure results to be there- 
fore:    p ■ (i-^jp, * J„ pw        e<|' ij and the total shear:   t * ji t> «^ "• 

Shamberg (SO) has developed a somewhat more elaborate and realistic gas surface Interaction model 
In the attempt to improve the description of the surface reemlssion momentum exchange. 

The random motion of the Incident molecules Is neglected, being the 
flow assumed hyperthermal so that the incident particles are assumed 
to approach the surface with a uniform velocity Vj  and angle of Inciden- 
ce 0| ; after Interaction with the surface the molecules are reemitted In 
the form of a beam having half angular width ^0 ,  centered around the 

most probable angle of reflection 9r.  that accounting for the general 
trend towards diffuse reflection Is assumed: TT/2<9r<8| 
A simple relation between Incident direction and reemitted direction has 
been postulated by Shamberg:    c~a Or = (<-»» 9i) V»l 
that satisfies the limiting cases of specular reflection v»/   (  9r

m9|   ) 
and diffuse reflection v»«» (   9r«n/4 whatever 9}   ). 
The distribution of the reemitted molecules has been assumed symmetric 

Fig.5 SCHAMBERG REFLECTION 
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These two types of reflection processess can be considered as extremes between which the actual pro- 
cess lies; In the Maxwell reflection model It was assumed that (1-f) of the impinging molecules are reflec- 
ted specularly and the remalnder(f)diffusively. 

The reflected momentum turns out to be a linear combination of the quantities relative to specular and 
diffuse reflection   pr s (i - f) p., -* f p^^ and       t*  *    (' - ^ I ffr ♦ ^ tj*- •<» l» 
and the total values,  sum of the Incident and reflected molecules contribution,   result to be: 

V 



^ 
k about the axis of the beam with a cosine distribution,  as suggested by surface interaction experiments by 

Hurlbut (24),   and the reemlsslon speed has been postulated Independent of the angle of emission and rela- 
ted to the Incident velocity V| and surface temperature^,   In the conventional way by means of the energy 
accomodatIon coefficient a :   Vr//; • £)-»■*( Twi/7^-ijl  «•    being T;  Tr the kinetic temperatures of Incoming and 
reflected molecules, Vr/^ a ^TV/T; » V i-a( 
Such a model Involves three interaction process parameters <j>, v  ,Q 'he definitive choice of the numeri- 
cal values to be given to them Is not possible in absence of consistent experimental data; Shamberg discus 
ses the evaluation of the accomodation coefficient a , on the basis of an highly simplified model of surfa- 
ce interaction due  to Baule (7) leaving open the problem of defining*, y    . 

"O 
Nocllla in a series of relevant papers (37) (38) has proposed a model for the description of the ree- 

mltted molecules that possesses,   without losing In semplicity,   a large capability of matching with suitable 
adjustments of its parameters a wide variety of experimental results relative to different gas-surface con 
ditlons. 
The basic idea introduced In the model (37) is that the reemitted molecules behave as a gas In maxwell Ian 
equilibrium subject to a reemission temperatureTr ,   not necessarely equal to the wall temperature Tw,  but 
resulting from the energy balance equation,   and to a mass velocity\/r (drift velocity).  The reemitted mole 
cules therefore are assumed to exert   on the body actions that can be determined In a way completely si- 
milar to the ore adopted to derive the actions of the Incident molecules. 
If the speed ratio of the reemitted molecules Sr = Vr/(2 RTr)      is introduced In the analysis,   the outgoing 
flow of reemitted molecules can be expressed in terms of three parameters Sr,   Vr,   0r. 
A remarkable agreement has been put into evidence by Nocllla (37) between the intensity distribution of 
the reemitted molecules obtained with the model and the experimental data collected by Hurlbut (24). 
The Nocllla model has been successively adopted,   by Hurlbut and Sherman (25) to derive the drag coeffi- 
cients of simple bodies.   By analogy with the formulas previously obtained for the incoming molecules,   the 
normal pressure and the shear tangential stress resulting on a surface element from the reemitted molecu 
le flux can be easily derived: 

P. 
(«r w) Vr 

TnTTT '1 i >w 

.   . . , 1 "• 
i/n   Sr ( ' 

The number densitynr appearing In the distribution of  the   reemitted molecules Is obtained by matching 
the outgoing molecule flux with the incoming one,   so that: 

(Mrm).KK,)(TlMjVl^«)/Xf??j     -|'? %M.e).r(.,r'j^<r(.+ w/.r] 

These authors have removed the dependence on the effective temperature of reemissionTr  present implici- 
tly in a way that satisfies the energy conservation by Introducing the partial energy accomodation coeffi- 
cient a2 defined as:    "ix x   ( Ei-£*)/( Pi - Ew). 
Substituting Into a2 the expressions for the corresponding energy fluxes the following relation has been 
found for the temperatureTr  : 

[itTf] '. ^ 
1 ■0','Z    i(r-'lSi        a x^j  5.*    J v.*    \A&I)}   V e. v* 

n. 
2^    f-u JTto";(i+u/cr>) 

The pressure and the shear stress relative to the reemitted molecules are defined therefore in terms of 
parameters defining the incident stream V^, S-, 9- , the Interaction process parameters s , 0 ,a and 
the wall temperature Tw ,   according to the relations: 

--     M 
M 

f^b     j   a'^C^r*    fiT/4 O W W-V^«r,)) j «7 "i 

7r -- c«-> © '} ^ 20 

The proposed model by appropriate restriction of the reemission parameters includes the classical re- 
sults; in particular for Sr= 0 we have the diffuse scattering, for Sr=0, 0,= I the Maxwellian reemissior. 
with Tr   =Twandfor S^Sj,   er=0    0=0 we have the  specular reflection. 
The model provides in addition a large degree of freedom in the choice of the Interaction parameters 
Sr 8. Q, ; from the examination of the trend of molecular beam results It is possible to find simple empi- 
rical representations of their behaviour;  Hurlbut and Sherman (25) Introduced the following assumptions: 
a) the reemitted momentum Is concentrated In a single lobe,  the  macroscopic drift velocity Vr is directed 

at an angle  er  numerically equal to 6j ; 
b) the value of a2Is linearly dependent on 8   being maximum at normal Incidence and minimum at glancing 

incidence: •(» « (.•'i), + *■ in t '•<»),.-^'M •' 
c) the value of Sr, never greater than S,Is linearly dependent on B* being minimum at normal incidence and 

maximum at glancing Incidence: Sr  •  (^'J, ♦ */Jr f (s'Ji.-f s»i'J *t 

Epstein (17) has presented a new approach to the problem of surface reemission treating It from a 
stochastic point of view; the  reflected molecules velocity distribution Is determined assuming that a frac- 
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tion P(vr) of the molecules is scattered diffusely and the remaining 1 - P(vrJ specularly: fr = f0 P+ fj ('-PJ 
in-7   The form of the probability function   f-   e^p^-c'/t lie,) ^ ß[i - oxpf. e'/aRe,)J has been derived from the 
'^        observations that the low energy particles are almost accomodated while for the higher energy particles 

the degree of accomodatlon decreases because they have sufficient energy to overcome the trapping effect 
produced by the interaction potential; the quantitives 9, , B2, B    can be determined to match the prediction 
of some macroscopic quantity. The Epstein model represents a generalization of the Maxwell scattering 

model to wich it reduces for P ■ cost. 

Chiado-Piat and Riganti (13) have recently proposed a spatial impulsive interection model for a mono 
energetic beam impinging on a surface that brings in evidence two parameters: TJ a reduction factor to ac- 
count for dissipative effects occuring in the interaction process and € a surface roughness parameter, ac 
cording to which the normal and tangential stresses due to the reemitted molecules turns out to be: 

M. 41 

H,- Hvj ^»vi. e; c*, e. j «i  ü 

with  i.*= KTW/M.«viand   H   H,   H2   complex double integrals function of the angle of incidence and of the 

roughness parameter e ,  connected to the number flux of molecules reemitted according to the model of re 

emission developed. 

■m 

3. 3. Drag evaluation 

The aerodynamic total actions such as "drag" are evaluated by integrating along the body surface the 
streamwise components of the pressure and  shear unit forces previously discussed,   resultant from the 

actions of the incident and reemitted molecules. 
For the sphere,   keeping separate the contribution of the incident and reemitted pressure and shear 

terms the drag coefficient turns out to be:      C*  *   { tom)l   * (cpt\l * { Cu p)r  * { C at) r      eo.2i 
ft M    it - ' 

The integration for the free stream incident molecules 
contribution has been performed since long time (3) (49) 
and the results have   entered the classical text books. 

The contribution due to the reemitted molecules chan- 
ges according to the  model of reemission adopted. 
Specular or elastic reflection: 

Mr»M.'  and   (f")r--(C").- el is 

Fig.6   SPECULAR AND DIFFUSE   REFLECTION 
3 61 

,„• L.S.FIT(22) 

- f = 1/3 

,. (=1/2 

f = 2/3 

CD 

3 2. 

2 8. 

Diffuse reflection          

(CDl)r »   0 
The total drag coefficient results for such extreme ca- 
ses are  reported as a function of the speed ratio S in 
fig. 6. 

For hypersonic flow regimes (S.»4) a constant asym- 
ptotic value of Ci,«2 is attained for both the reemission 
models,  due to the fact that of hypersonic speeds the re- 
emitted molecules contribution is   indeed negligeable com 
pared with the incoming molecules momenturr, flux espe- 
cially for cold wall conditions. 
Considering the  Schaaf-Chambre model with total pres- 
sure and shear forces given by equation (-li) and {iZ) re- 
spectively the pressure and shear drag coefficient result to be: 
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Fig.7 SCHAAF-CHAMBRE MODEL RESULTS 
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Such a model turns out to be rather insensitive to values of fn and ft  when fn = fj   , case in which the mo- 
del reduces to the classical Maxwelllan one, as shown in fig. 7 in which the least square fit  of the experi- 

mental free flight aeroballistic range results by Hersh,   Friichtenicht and Slattery (22) are compared. 
A value of fnr fj» 1/2    seems the best approximation over  the entire range of speed ratios; for^yl, all 
the curves fall within the range of accuracy of the experimental results. 
At hypersonic   flow conditions, expected as said to occur forS>4 the equations (»«) (ij) reduce to 

c0» = (2-jn] 4 z/\ü(r'i/r)v* (tw/nr*    »i »o        caz , ft        •1 u 
so that the total drag coefficient is simply expressed by the relation: 

The term of pressure drag temperature dependent reduces to zero for cold wall conditions,   in such con- 
' 
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dltlons the classical results    C0 =  £.-■[* ■* ft 
are obtained that reproduce    the cases of spe 
cular and diffuse reflection,  for which CB ■ 2, 
but in addition evidentiate' as for intermedia- 
te conditions the drag coefficient can reach 
higher values with a maximuin of (^" 3 for f^O 
and fja^that is to say for specular accomoda- 
tlon of the normal moment and diffuse accomo- 
datlon of the tangential one. 
Considering the hyperthermShamberg (50) mo 
del the drag coefficient can be expressed as: 
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Fig.8 DRAG COMPONENTS 

the first term Inside the bracket represents the contribution that the  incident molecules would produce if 
all of them stuck or, the body ( V^O),  the second term represents the contribution to the drag of the momen 
tum of the molecules reemitted from the surface(this term can be In general positive or negative depending 
on whether the molecules are predominatly reemitted 
in the direction of flight or in the opposite direction 
respectively. 
The factor f is a function of the beam width of the 
reemitted molecules representing the  ratio of the 
axial momentum effectively transferred,  to the mo- 
mentum that could be carried away If all the molecu 
les were aligned with the beam axis; in virtue of the 
postulated cosine distribution law within the beam 
the magnitude of +  is almost insensitive to the ma- 
gnitude of the beam width (i< ^»^for  o < <f. < 17« ). 
The molecular speed ratio is given in terms of the 
accomodatlon coefficient W//,; ■ (i-«i| *and the shape 
factor 4fv) accounts for the combined effect of the reflection law and shape of the body; for a sphere 
(fig. 10) Is always positive; for specular reflection (V-./ ) ^ «Oand for diffuse reflection (v1*^ *= 2/3. 
The results obtained with the Shamberg model are 
reported in fig. 11. 
An extension of the model to non hyperthermal speeds 
has been worked out by Shamberg himself on the ba- 
sis of the Joule simplest kinetic model,by conside- 
ring the Incident molecules stream as sum of six 
uniform beams corresponding to the six possible dj_ 
rections of motion of the Joule gas; It has been ob- 
tained through appropriate transformation of the orI_ 
ginal formula for a sphere: 
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Fig It DRAG ACCORDING TO SCHAMBERG MODEL 

Wc»H,f» '/A(a+if • + y/is'jv«^ m'   «1 
that confirms as for %»l, the hypersonic condition 
is reached for the sphere, A comparison of the re- 
sults obtainable with the Shamberg model and the mo 
re classical Schaaf-Chambre model has shown that the agreement between the two models Is quite good 
for the two extreme cases analyzed, also at low speeds. The experimental date of Hersh, Frilchtenlcht 
and Slattery have been compared with the results for «o.^ ? , ^»"fc ,^"«« relative to diffuse reflection and 
for ^»o,«.», ♦s<7' v's'.^; for speed higher than 5 the agreement is quite good . To better match the experi- 

mental data,   therefore the choice of the reemisslon parameters turns out to be not unique. 
The Nocilla (37) model has been applied by Huribut and Sherman (25) to derive drag coefficient for the 

front surface of spheres without establishing analy- 
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tical formulas. ForS>a,the front surface drag coef- 
ficients are essentially equal to the full drag coeffi_ 
dents,  the back surfaces making an insignificant 
contribution. A set of results have been obtained for 
SPand «^constant.  Independent of local angle of at- 
tack for classical specular (warm and cold wall) and 
diffuse scattering (warm and cold wall) obtaining 
standard values. 
More Interesting Is the behaviour exhibited by the 
angle dependent results for which S,. and «^have 
been permitted to vary with angle of attack In accord 
with the relations established. 
Two families (see fig. 12jare plotted for cold wall 
conditions, Sf »-o *1dS«- = max and two families for 
warm wall   ST«^« o. 25   conditions. 
The thermtl accomodatlon coefficient assumes six 
values on the range  o^ «<»< I . For the cold wall 
Sf»ocase the hypersonic drag coefficient Is 
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J.?«-*: Co<V.lwhIle for the cold wall Sr= max the hypersonic drag coefficient Is   1.1«i*i; Impressive Is 
the occurance of  C0< 3, due to the large area of sphere elements In regions hltted tangentially where   C0 

can be smaller than two. 
The effect of Tw      is not relevant as can be noticed from fig.   i^. where the results are reported with a bar. 

Rigantl and Chado-Piat (44) have applied the spatial Impulsive Interaction mo 
del they have developed to the evaluation to the evaluation of the front surfa 
ce sphere drag coefficient obtaining: 
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with  D^o, ,o», D*, i>r, D4 Integrals Involving the functions   H» , H, .H, 
The influence of the two basic parameters »j and £ has been investigated 
(fig. 13) bringing into evidence a strong dependence of CBor, the roughness 
parameter;-  In addition It has been found that the drag has a small dependen 
ce on the parameter X*   combining the mass of the solid surface atoms and 
the wall temperature effects. 
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Fjg.13   ROUGHNESS EFFECT 

Unfortunately no closed form solution of the Nodi la model,   that has been proved to be more complete and 
more adequate to predict the reemisslon process,   is yet available; we retain therefore for the free mole- 
cule flow drag prediction a simple formula based on the combined Schaaf-Chambre and Shamberg models 
that have been found to match reasonably well the experimental data: 

c0^=[(^/.] * ft *% ilf- ft/l   7N][I(2WTT^J^77^]    e1 u 
The momentum accomodation coefficients,  noticeably different from each other and from the usually adop- 
ted value of one, have to be determined to match the experiments. 

V 

Fig 14   FIRST COLLISION MODEL 

4. NEAR FREE MOLECULAR FLOW REGIME 

Significant deviations from the free molecule flow regime occur when,  due to a reduction of the gas 
rarefaction,  the incoming molecules mean free path becomes comparable with the body dimension; the in- 
coming molecules interact with the reemitted ones modifying the transfer of momentum to the body surfa- 
ce with respect to the free molecule flow condition. 

Analytical techniques have been developed to cover this regime called "near free molecular flow"' 
and experimental data have been obtained to allow comparisons; only a brief description of the models and 
a limited discussion of the results are hereafter reported. 

Baker and Charwat (4) have developed a "first collision model" that takes into account the first In- 
termolecular collision between free stream molecules and molecules re - 
fleeted from the body surface. 
Three classes of molecules are foreseen in the model: (i) the incoming 
free stream molecules assumed to be perfectly elastic spheres,   (e) the 
emitted molecules assumed diffusively reemitted from the surface with 
velocity V«,  (s) the scattered molecules resulting from the collisions of 
Incoming and emitted molecules. 

The free stream molecules (I) suffer collisions with the  reemitted 
ones (e) and a charge in the momentum transfer at the surface occurs 
with respect to the free molecular flow condition; some Incoming moiecu 
les (t, ) are entirely deflected by the collision and do not contribute to 
momentum transfer,  some others (tt) after collision hit the body and 
transfer only part of the original momentum,  having lost part In the coj_ 
lislon, and finally others (-tj) are deviated by the ccliision to the body whereas otherwise they would ha- 
ve bypassed the body. 

As an overall action the body Is expected to undergo a decrement of momentum with respect to the 
free molecule condition if the "shelding" effect prevails over the "scattering" effect otherwise an incre- 
ment has to be expected. 

After having evaluated the distribution of the emitted molecules and analyzed the scattering collision 
process the transfer of momentum to a sphere has been determined through a series of reasonable appro- 
ximation; the drag coefficient has been obtained in terms of two interaction parameters: V« f^i  ratio of 
emitted and Incident velocity and   R »o//. inverse of local Knudsen number based on emitted molecules mean 
free path relative to the incoming free streams: 

The first term Is the free stream Incoming molecules contribution In free molecular flow conditions, 
the second term Is the reemitted molecules contribution In free molecular flow conditions and the third 
and fourth terms are the contribution due to the Interaction process; for a sphere this contribution has 
been found to be negative prevailing the shielding effect over the scattering effect. The two interaction 
parameters can be interpreted In terms of free stream Reynolds ni.;mber and surface to free stream tem- 
perature ratio,  therefore the drag coefficient referred to the free molecular flow condition Is expressed 

by the relation:       CB/CD)IM , ^.o.-s R. (T-frw ] "«/c. „„ =  W-   '.«    * /fe.    (T-/^)''*/^« 

Willis (60) has utilized,   in connection to the classical Knudsen interation procedure outlined by Jaf- 
fe (26),  that consists In expanding the molecular distribution In inverse powers of the mean free path 
starting from the free molecular flow solution,  a modified form of the model of collisions proposed by 
Bhatnager Gross and Krook (8) that extends the understanding of the transfer process frpmjhe free mole 
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'/y cular into the transition regime where, both interparticles and wall  collisions,  are significant. 

Rose (46) has adopted a linearized form of the Krook Tiodel for the collision term performing the ite- 
ration through a Fourier transform of the kinetic equation,  accounting for all the collisions and not me- 
rely the first collisions,  thus obtaining a complete first order perturbation model. 

The drag coefficient, found by integration along the sphere surface of the Impinging and reflected mo 
lecules momentum contribution has resulted to be:     Co - c-oPH =  - '/l^,, /o.JifT./Tw)'''* OJfjflHS      «*.37 

The results of iterative methods can be expressed as C.D.cOFMoot Ht>   'n terms of a natural small pa 
rameter ov ■   J""«  D/a (''/z VLJwith H,  order one and being 5 a collision parameter related according 
to the Krook model to viscosity by the relation 6i K T/^. An appropriate reference temperature  T    has 
to be introduced to relate the parameter a  to the classical free stream conditions parameters; Sherman, 
Willis, Maslack (51) have developed the relation: •< * fn/U ( iw/s-)c»   '/*<"- w,th:   -^w •    vi/i^Tw 

In the case when the stagnation temperature is assu   c 
med as reference T »TQ ,  adequate to describe the h^  Q7 

personic flow testing conditions^he following rela- 

tion holds: •(, a  Ri,/i,S.(T,/T-)y*with   Re.« /'-»'-'>//,•    0,6, 
and  S.'. O/eRT. 
The adequancy of the parameter a0 to correlate the 
experimental results is demonstrated by the compa- 
rison with the Kinslow and Potter results (fig. 13), 
that are predicted to + 2% by the simple correlation 
formula: Co-Can-,   - - o.sc* + o.o^ «(^rio sistematic de 
pendence uponS^, being noticeable. 
Theoretical formulas restricted to the caseSoohave 
been recast in terms of Q assuming that the depen- 
dence on Sw can be represented in terms of power 
series in   S^btaining: 

CD-C6pMs.o<,^ +'i.S6/Swj Baker Charwat •|-S8 

s-.<. (o.v+i.Ws^-e.ry/s.jJ Willis "t ^ 
s -•<«(«.75-«At/Sw)   Rose o^o 

Another comparison of the above methods has been attempted by Maslach,  Willis, Tang,  Ko (34) by 

rearranging the formulas for the sphere drag coefficient prediction,   in terms of Kn > S „ , Sw    : 

CD-CDP„    =    _ ( o.aii^w -v i. 06)/IC»^      Baker Charwat ea i.| 

=     -   fo.ii55w+(.1,1,-MS/SW]/S^IC*      Willis *1 '•«- 

=    -   (045 Sw -o, iz)/^K^^       Rose tx^  1,1 

The comparison with Kinslow and Potter (27) results S„= 8. 8 , Sw= 6. 25 shows fig. 16 a good agreement 
of the Willis model,  also the Rose model Is in reasonable agreement while Baker and Charwat has a slo- 
pe too high.  The comparison with Davis and Sims (16) results    5,,= 3. 15 ,  &,,= 1.60'confirms the good 
agreement obtainable with the Willis model while the Rose model is- too low and the Baker Charwat too 
high in predicting the slope.  The same situation exist for the comparison with Phillips and Kuhltau (39) 
results S^--,S* »1.87 
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Fig.16 NEAR  FREE  MOLECULE   FLOW RESULTS   COMPARISON 

More recently Monte Carlo statistical simulation techniques have been introduced to treat the near free 
molecular flow regimes; trajectories and interactions of a large number of molecules are mathematically 
simulated to derive the actions on bodies having simple geometry, ü 

Bird (9) and Vogenits,  Bird,. Broadwell and Rinigaldler (58) have 
developed a powerful time dependent approach assuming hard sphe 
re molecules and complete momentum and energy accomodation of 
the molecules for their collisions with the surface. 
The ratio of the sphere drag coefficient In near free molecular flow 0.9, 
value has been evaluated by Bird as a function of the Knudsen num- 
ber  Kn= A/D . 08J 
For the cold wall ( Tw = T^ ) results (see fig. 17) have been founo 0.3 1 3 10   K„ 30 

to rise above the free molecule limiting value (overshoot)due to        Fio.17  BIRD (MONTE CARLO RESULTS) 
■■ ■■    . 
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the fact that for 5<Kn<30 the fall in streamwlse morrientum of the molecules striking the surface is over- 
compensated by the increase of the flux of these molecules; for the hot wall condition ( 1^=T0 ) this effect 
has not been found to occur. 

^1 

A steady state first collision Morte Carlo approach, having the msrit   of relative simplicity,  has been 
developed by Robertson (45) the method is applicable to elastic hard spheres and to Maxwell molecules 
(inverse fifth power law repulsion). 
Sphere drag coefficients have been evaluated for several speed ratio S, Knudsen numbersKn and surfa- 
ce temperatures T^A0 and compared with experimental measurements by Davis and Sims(t6) and Kinslow 
and Potter (27) as well as with the previously discussed analytical techniques by Baker-Charwat, Willis 
and Rose (see fig.     ). 

The results obtained adopting the Maxwelllan molecules are in both cases in close agreement with 
the experiments while the hard sphere ones deviate considerably. 

Due to the inherent complexity in treating the near free molecule 
flow regime semianalytical methods have been attempted we quote 
the Rott and Whittenbury (47) and the Kinslow and Potter (27) ones 
having a free parameter to obtain the best agreement with experiments. 
The experimental results by Phillips Kuhltau (39) Kinslow and Pot_ 
ter (27) Davis and Sims (16) previously recalled and the ones by 
Snolderen (53) Sims (52) Legge and KoppenwalIner (31) Hersh Fr\_ 
ichtenicht Slattery (22) Potter and Miller (41) (see fig. 18) who ha- 
ve focused attention on the near free molecules flow limit indicate 
no tendency to overshoot the free molecular limit; only the recent 
results by Kussoy and Horstman (29) and Kussoy Stewart Horst- 
man (30) report,  for cold wall  conditions,  the occurance of an over 
shoot of the drag coefficient over the free molecule value compu- 
ted for test conditio^assuming diffuse reflection and an accomoda 
tion coefficient of one. 
As seen discussing the free molecule flow regime higher drag coef_ 
ficients can be evaluated according to the reflection model adopted; 

nevertheless the accurance of such high experimental values confirming the overshoots predicted by Bird 
poses the problem of accurately evaluating the drag coefficient in near free molecular flow conditions 
through a series of test extending far in the free molecule flow regime so that the appropriate limit can 
be experimentally determined. 
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Fig 18 EXPERIMENTAL RESULTS 

A new correlation formula,  of the form ■«<«Hi •♦o',?H* with    H, •  Q+I»/Swi  has been de- Co-Co jr,, 
rived to cover the near free molecule flow regimes,  down to Rts  =  10   . 
The shock Reynolds number used in the low density data correlation has been related to o<, 
K.-y oisVTt-'JA    (T./Tw)"1  ft.4 and accounting for the wall temperature effect,  it has been obtained: 

Co PH   = <«3 -¥ oo its 1 *.: Al, . zti, a. R, 
with    ^ » o.oi>(T./Tw)'J0^4 I 

that correlates reasonably  well the above quoted results,   reducing the scattering that in part can be ascH 
bable to different wall temperature conditions. 

5.   INTERMEDIATE FLOW REGIMES 

The existence of a large variety of flow regimes ranging between the continuum and the free molecu- 
lar flows,  different according to the degree of rarefaction has been evidentiated; following Probstein and 
Kemp (12) the transition is accomplished through a vorticity interaction,  a viscous layer,  an incipient mer 
ged layer,  a fully merged layer,  a transitional and a first collision sub-regime. 

Complex mathematical models,   impratical for engineering purposes,  have been developed to solve ti- 
me by time specific problems in one of the above recalled subregimes; except for the Monte Carlo numeri_ 
cal technique the other approaches have a limited validity,  no general analytical method has yet been 
found to correctly derive the aerodynamic actions in all the above sub-regimes that can be called in one 
word "intermediate or transitional flow regimes". 

Engineering applications in the field of space activities have stimulated therefore approximate ap- 
proaches based mainly on the well established flow conditions existing at the two extreme flow regimes; 
those methods are based on several assumptions and bring In several simplifications and a certain degree 
of empiricism so that their validity can be confirmed only by careful comparison with the available expe- 
rimental results. 

Martino (33) probably has been the first to derive a semiempirical correlation formula that has been 
successively applied with success by Blick (10) for predicting aerodynamic coefficients. 

In the Martino model it is assumed thai,  depending on the degree of rarefaction of ihe medium part of 
the molecules reaches the body surface without having previously experienced any collision with molecu 
les of the gas layer adjacent to the body,   exerting therefore on the body an influence proportional to the 
free molecule value,  while the other part of incoming molecules collides first with the molecules standing 
in the gas layer and exert therefore an influence on the body proportional to the continuum flow value. 

The sphere drag coefficient Is therefore expressed by the relation: C0   =    cp, Coc    (i-P) 
The function P representing the probability that a given molecule has to collide directly with the body sur 
face is a function of the degree of rarefaction of the gas,  that Martino and Blick have simply postulated 
to be: P »Kp / (l+Kn) being the Knudsen number Kn a suitably defined one. 
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4(p-_/<?^'     The ability of this model to provide satisfactory correlations of the experimental results lies in the 
appropriate definition of the Knudsen number; considering that is the intermediate regimes the Knudsen 
number that seems more appropriate is the one obtained assuming as characteristic length the shock de- 
tachment distance A and as mean free path the one evaluated behind the normal slockXs:   Kn = Xt/o 
Blick has proposed being A/D^K p/p and Ap almost independent on temperature,  to adopt a particular 
Knudsen    K^m <f-/fi ^I/Q ■ /J A*/0 *     that Introduces the Martino number ß ,   a numerical factor that 

fits the Martino equation as closly as possible to 

■■     ' 
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the experiments. 
For the sphere drag coefficient Blick found that 
R_ 4 gives good agreement with Bloxson and Rho- 
des (11) experimental results (see fig. 19). 

Masson,  Morris and Bloxom (35) have develo- 
ped a simple model for the hypersonic flow of ra- 
refied gas over a blunt body by considering a col- 
limated molecular beam passing through a region 
containing a scattering gas. 
The presence of a flow discontinuity shock wave, 
noticed even for regimes having very low Reynolds 
values,  delimits the region of gas having a scatte- 
ring effect with respect to the free stream molecu 
les that are likely to be comparable to a collima- 
ted beam. 
According to the classical kinetic theory of gases 
the fraction of beam molecules passing through the 
gas cloud having thickness A and directly Impin- 

ging the body surface without experiencing collisions,   is      N/A/.,=   exp (- Ä/Ajj     being As   the mean 
free path of the free stream molecules in the gas cap. The gas cap thickness assumed equal to the shock 
detacment thickness,  can be expressed approximately for a sphere as   A = K D (i/p. 
The value of the constant K Is usually evaluated of the order l/3 but to better match the experimental re 
suits a value l/lO has been introduced obtaining a good agreement with their experiments (35). 
The drag coefficient according to the exposed model is assumed to be made up therefore by the contribu- 
tion of two parts: one relative to continuum flow conditions and one to free molecule flow conditions . 

Co =■ Coc( <- "/N-l+fo»«^/«-) = Coc -f (CoPK.e„.)t*f(- >/,„  f-D/fl;,) t^MS 
It Is worthwhile to notice that the parameter R,D/Xj5    can be Interpreted as the Inverse of a Knudsen 
number that  is the significant parameter In rarefied gas regimes under Investigations. 

Matting (36) has developed engineering methods of calculation called l,bridging relations" for evalua 
ting aerothermodynamic actions in the transitional regime, 

A simple first collision model,   similar to the one of Masson,  Morris and Bloxom (35) Is used; mole- 
cules having a mean free path larger than the effective collision layer thickness are assumed to make 
their first effective collision with the body surface and therefore contribute to free molecule drag,   whi- 
le the other molecules for which X<A  make collisions with each other becoming part of the continuum 
boundary layer and only finally strike the surface thus contributing to continuum drag. 

The model considers a two phase flow,  the total actions exerted on the body being the sum of the ac- 
tions exerted by each phase; the final form of the drag coefficient accordingly turns out to be: 

c0 = Coc ^ - ««rl-AA)) + c.p» «.)cr(-AA) «  «V« + |c0/.M-co.J «,Kr f-VAJ «* >,(, 
that correctly limits Is the continuum and free molecule flow conditions at the asymptots. 

We notice that the same equation was obtained by Masson, Morris and Bloxom (35) but through a so- 
mewhat different derivation. 

The values of the effective collision layer thickness A and of the mean free path of the molecules A 
ought to be functions of the position on the body but average value are retained In the analysis. Matting 
has derived from dimensional ccnsiderationsZyX=GRp.. with the constant C= 1.5 lö selected to match the 
drag value calculated according to the above bridging relation with  :he experimental data of Wegener and 
Ashkenas (2). 

Whitfield (61) has proposed a collision surface model  that allows closed form analytical evaluations 
of the sphere drag in the Intermediate flow regimes,  yielding the free molecule drag value in the limit 
Kn*«»and the newtonian continuum value in the limit Kn-"0 

Four basic assumptions are introduced in the model: 
a) The free stream is hyperthermal so that the number flux of molecules having a chance to collide with 
the surface of a sphere Is 1^= n

—X«11 " 
b) all the molecules are reemitted normal to the surface 
c) each r-eernltieu molecule experiences only one collision with a free stream moleculej 
d) all the collisions occur on a  "collision surface" located at a distanceX wfrom the body surface. 

This implies that the sphere surface behaves,  with respect to the molecules surviving the collision 
surface,  as in the case of free molecule flow regime, therefore the drag In the Intermediate regime can 
be determined as: Co/eem > Mt/A/« ■ ij/n., being n„   the free stream number density and ns  the number 
density behind the collision surface. 

The free stream molecules,  per unit time.   Involved In the process are N„= fU^ÜT"   >  w*1"6 the num- 
ber jf molecules per unit time emitted from the sphere surface in the normal direction turns out to be 
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The number of molecules,  per 
unit time,   that survive the sur- 
face collision and reach the body 
surface,   Hs.Is given therefore 

by the relation:    WssUfc^t*"» 

from which the ratio   ^»/N* = 

can be derived. 
The angle© depends on  Xw,  the distance of the collision sur 
face from the sphere surface, geometrical consideration allow 
to determine ^aih 9 ={>* A*/*.]''so that substituting Into the abo- 
ve equation gives the drag coefficient as: , 

Fig.20 WHITFIELD MODEL 
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The ratio Aw/R has once more the meaning of a Knudsen num- 
ber and Indeed using the relationship derived by Whltfield and Stephenson (62),  simplified to accomplish 
for the fact thatXw    turns out to be a weak function of e  ,   It can be expressed by: Aw/n «llf» «"/('+''Sw/i'n] 
accounting for which It Is possible to express the Intermediate regime drag coefficient in terms of a free 
stream Knudsen number: r        , r-   u        A        it    /. J-\>-'1"' 

At the limit Kn-»o    appropriate for'the continuum flow regime the collision surface collapses over the bo- 
dy surface Xu»Oi only one half of the molecules having a chance to collide with the body surface can ac- 
tually collide with it because each molecule at the surface prevents another molecule from colliding with 
the surface and the drag coefficient assumes the value   Coe » V2COpMthat 's ,he sarne value obtainable from 
newtonian theory. 
The correct limiting to the free molecule flow is embodied in the derivation of the formula Itself. 
Good agreement has been obtained by Whltfield with the recent drag measurements by Phillips and Kuhl- 
thau (39) (see tig.  21). 

Vallerani (57) has recently developed a semlempirical method for the evaluation of aerothermodyna- 
mic properties in the intermediate flow regimes,  based essentially on the Martino correlation formula; 
the evaluation of the Knudsen number and of the probability function has been accomplished In a different 
way. 

As pointed by Tslen (55) the characteristic flow field dimension appearing In the definition of the 
Knudsen number Is   for the continuum flow the boundary layer thickness while for the free molecule flow 
Is the body dimension Itself R: (M»n » Wä «  lt*^7  M/Rtac»M/i and ( K».^» A-/r , W*!*!*, *ff'Ct { 
being ^eRe/M the ratio of free stream Reynolds-Mach numbers.     ' 
To properly account for the effective boundaries between the continuum flow and the lower region of the 
intermediate flow regimes and between the free molecule flow and the upper region of intermediate flow 
regimes two modified Knudsen number have been Introduced: (l&i|c« IC»e- Kt      ^«IPM »L 'k'""   ~ *' J 
being ]C|«^Othe value proposed by Tsien to limit the free molecule flow regime and K,» O.0S    the value 
proposed by Reeves (43) for the delimitation of the upper boundary of the continuum flow regime. 

The leading Idea of the new method, that circumvents the difficulty of appropriately defining a Knud- 
sen number is the consideration that the Knudsen number itself, as whatever other_puantIty, hasjo be de 
termlned In the Intermediate flow regime by applying the Martino formula: K», « P tC»,pM + ('-Pj ^«c *^ ^ 
The structure of the function P representing as said the probability that an incoming molecule collides dj_ 
rectmy with the body surface before colliding with any other molecule of the gas layer has been determi- 
ned starting from the "collision surface model"of Whltfield (61) previously discussed. 

The probability P assumed to be the fraction of molecules passing through the gas layer without col- 
lision,  Is given by the relation:    P.- *«/»., s \e ■♦tC),yc

,
+(c + ifc.)*   wIth     c , /a   ( itSw/jiTTt +i )''     ^ro 

evaluated on the bases of the Whltfield model.  It has the structure:    P r ltv%*/(«<-t K»1)   that not only sati- 
sfies as the original Martino relation  P» "» /uld, the two limiting conditions but also enables the fulfill- 
ment of the smooth limiting condition of the derivative at the two limits. The presence of a parameter 
directly Introduced Into the probability function allows an Improved capability of the correlation formula 
to generate results in better agreement with the experimental data whenever available. 

By combining the equation (r») defining the new probability fu.-ctlon P with the one ('•?) defining the mo 
dified Intermediate flow regime Knudsen number a cubic equation Is obtained; 

>5+ b P* +( c+ •<)?+ d   = oc- t.«|  ff) 

h 

c 

= a lie). (>),.„ - do,).]- I^H),., - (iv.),]" 

The value of the modified probability function P turns out to be a complex but algebraic function of 
the modified Knudsen ( K„t and KH rH) that Is to say the probability function depends on the quantity £ 
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Fig  22    PROBABILITY   FUNCTION 

ratio of the Reynolds to the Mach number,   the parame- 
ters   1^1 and   K,, defining the limits of the two extreme 
flow regimes and the free parameter^,  (fig. 22), 
By normalizing the Intermediate flow values with  respect 
to the ^ree molecule flow regime,the form     T « c^ /cop* = 
p •* I'-PK^/c^is obtained.  Such a bridging formula 

predicts close to the free molecule boundary a value 
higher than the one predictable according to the free 
molecule formula arid close to the continuum flow bounda 
ry a value higher than the one predictable according to 
the continuum theory formula. 

The occurrance of those "overshoots" not predicta- 

ble by any other correlation formula bridging the  intermediate flows regimes,   is sustained by some of 
the more   recent theoretical predictions as discussed in the near free molecular flow regime and Is  sup- 
ported by some experimental data. 

In the analysis performed by Vallerani (57) the continuum flow drag coefficient has been evaluated 
according to the theoretical formula of Davis and Flugge-Lotz (15),   retaining first order boundary layer 
effects.  Some of the ex- 
perimental data spanning 
over the entire interme- 
diate flow regime range 
have been compared 
(fig. 23) with the results 
of the available theories 
of Baker-Charwat (4) 
Rose (46) Willis (60)Bird 09 
(9) relative  to the near 
free molecular flow regj_ 
me and Davis on Flügge- 0 8 
Lotz (|5) for low densi- 
ties continuum flow regi- 
mes and with the corre- 
lation formulas by Blick 
and Whitfield.(io)(4l). 
A value of e<»A0 has been 
selected to better come 
late the experimental re 
suits; from the panorama 
reported it was conclu- 
ded that if the occurran 
ce of overshoots is ad- 
mitted the proposed cor 
relation formula is the 
only one able to predict 

10« 10' ioJ 10' 

Intermediati   Regim«   Drag Coefficient   Theories  and   Experiments 

reasonably well the drag coefficient over the entire intermediate flow regime range; at the same time it 
was pointed out in the analysis that the scatter of the  experimental results is quite high and that proper 
account has to be taken of the Mach and  wall temperature effects. 

6.  CONCLUSIONS 

The review of the theoretical methods and of the available experimental data concerning the superso 
nie flow sphere drag determination,  has brought into evidence that,  even if a complete solution leading 
to closed form formulas has not yet  been found,  a large number of possibilities exists to predict with suf_ 
ficient accuracy the behaviour of this relevant quantity over the entire range of flow regimes frorr the con 
tinuum to the free molecule flow. 

Different possibilities have been found to exist for selecting the set of basic parameters suitable to 
represent the flow conditions and to correlate the experimental results. The more widely adopted choice 
is the one that introduces the Mach number M s. ^— /a„ , the shock Reynolds number Res " /•* ^ ^/A1* 
and the wall to free stream temperature ratio X » ifTw/iU 

The Reynolds number,   in our opinion,   exhibit the disadvantage of combining In one parameter a de- 
pendence on the body speed and on the fluid properties; we consider useful   to propose therefore the adojj 
tion of the Knudsen number  »C-^t A-/o   to account for the rarefaction effects dependent for a given body, 
only on the medium properties; a simple relation exists between those two parameters: R«4 » i-1/*»«. 

As a result of the analysis performed we have attempted to establish correlation formulas to cover 
the entire range of flow regimes; the main difficulties stay In the extension of the available data from the 
very conditions to which they refer up to cover the entire range of free stream velocity and wall tempera 
ture variations of interest. 

Theoretical methods that have supplied predictions confirmed by the experiments can be used as mi- 
lestones to derive the correlation formulas whose structure is the one dictated by the theoretical analy- 
sis and whose free coefficients have  to be fixed by matching at  the/best the experimental results. 

/ 
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We recall the  correlation formulas that have been derived: _fc 

- Continuum flow regime       Co «  C0 { M ) Rti »» 10 £*., < ii l0 

Coc.   0-1 W > C 

- Continuum flow low density regime      CD   =   '.   ( M, K« , X.) '0    <   «»»^'o 

KAM "^S 

=    c0e  +  (o,V*o.«»/) ^ic^,   _   (o/S-i + oaf)  IC«, 

with    ^.    i i ( ' ? 4* ) ,",y'V4, and    $ '   **/** 

- Near free molecule flow regime C0 =   <^n ( M , X~>| jL] 

l.sio">(C<M>  a, to 

'^R., ^IO' Si      ^Kv,« >   WO 

^D FM 0. lU ß.s   +  a. oi/?- ^i1  Ä«j 

with      « --   o-V + o.oi49   M /X 
-. -i 

- Free molecule flow regime       £*» *   <is (  ^, X J Kts< io K«,^, ? 31 
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SUMMARY 

In the wake  of a blunt hypersonic body one can distinguish between two different flow 
regimes:  the viscous wake and the inviscid or entropy wake.  The latter can be associated 
to the wave  drag of  the body.   By means of  a  schlieren  system the entropy wake  of various 
blunt hypersonic bodies  is visualized  in a great distance behind the bodies.   The observed 
schlieren pattern is  analyzed with the aid of optical  schlieren theory and can be re- 
lated to the   flight Mach number and the drag  coefficient of the body.   These observations 
are  in good  agreement with a theoretical approach of WEBB. 

1.   INTRODUCTION 

In the wake  of a blunt hypersonic body one  can distinguish between two different re- 
gimes:  the viscous wake which originates from the separated boundary layer,   and the 
inviscid or  entropy wake formed by the  streamlines which have  traversed the curved part 
of  the bow  shock.  While the viscous wake can  be regarded as the  trace of the viscous 
drag of the   flight body, the entropy wake is  associated to the entropy production at  the 
strong bow shock wave and therefore represents the trace of the wave drag of  the body. 
As will be  shown later,  this entropy wake is  a long cylinder which is  filled with hot 
gases and extends far downstream behind the body, provided that the flow remains lami- 
nar;   the cylinder axis coincides with the  flight axis. 

It has been observed by WILSON   (ref.   1)   that  in a great distance behind the body, where 
the pressure  has already returned to  the ambient value,  the entropy wake  can be visua- 
lized by means of a  schlieren  system and displays on  the photograph in  form of  two 
parallel horizontal  bands, dark and bright,   on either  side of the flight axis   (Fig.   1). 
Further experimental   investigations   (refs.   2   to 4)   showed,  that the distance  between 
the bands  in  the schlieren photograph increases with the flight Mach number  for a given 
body shape.   Most of these experiments had been performed in ballistic ranges with 
spheres as  the  flying models.   From some preliminary results   (ref.   4)   it can be  seen that 
the mentioned distance also depends on the body shape,   thus indicating an influence of 
the drag coefficient. 

The observed  schlieren pattern can be calculated with the aid of optical  schlieren 
theory.   Such a procedure, however,  requires  the knowledge of the  flow or of the density 
distribution  in the  far wake.   Following an earlier proposal made by NUYTS   (ref.   5) ,  the 
schlieren pattern is  here calculated by using  a wake  flow model which can be  derived 
from the known or measured bow shock geometry.   An alternate analysis of the  schlieren 
pattern produced by the entropy wake  has been described by WEBB   (ref.   6) ;   he  assumes  a 
Gaussian distribution of the density  in the   far wake  and develops a formula which 
explicitly contains the drag coefficient of  the body.   This dependence on the drag 
coefficient   is examined in the present paper  by means of further ballistic range ex- 
periments. 

2.   SCHLIEREN  VISUALIZATION OF  THE  ENTROPY WAKE 

If the schlieren knife edge is parallel to  the flight  axis,  the far entropy wake be- 
comes visible on the  schlieren picture  in form of a band on each side of the  flight 
axis,  one band being  bright,   the other dark   (Fig.   1).   It is required  for this visuali- 
zation that  the respective Reynolds numbers  are low enough in order to prevent an early 
laminar-to-turbulent transition of the wake  flow.  The two bands in Fig.   1  designate a 
maximum and  a minimum of the  light deflection  angle  e   in the  schlieren  system.   When 
assuming an  axisymmetric distribution of the  refractive index in the test object,  i.e. 
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in the entropy wake, n = n(r), the deflection angle e is given by 

c- - ov r 1 äH    dr e - 2Y ^ " dF (r2 _ ^,1/2 ' (1' 

where Y is the distance from the flight axis of an incident light ray, and R is the 
outer radius of the object. The aim of the calculations is to determine the extreme 
values of c   as a function of y. 

One  has  to  introduce  a certain assumption  for  the distribution of  the refractive  index 
n,   or,  of  the density p = p(r)   in the  far wake.  One  therefore assumes an  isentropic 
expansion of all  streamlines from their position immediately behind the bow  shock to 
the far wake regime which is represented by the constant pressure assumption p = p   . 
Although the pressure is constant,  the far wake field  still  exhibits certain pro- 
files of entropy,   temperature,and density,  which cause the observed  schlieren pattern. 
While the temperature and the entropy have a maximum on the  flight axis,  the density 
there has a minimum,   and the streamlines throughout  the wake are parallel,  due to the 
uniform pressure.   The  calculation which is described  in detail  in refs.   3  and  4  allows 
to map the  system of  streamlines in the far wake from the streamline geometry at the 
bow shock without a knowledge of the  flow pattern in  the intermediate regime.   The entropy 
profile behind the bow shock,   s(y),   is thereby associated to  the entropy profile in the 
far wake,   s(r)    (see Fig.   2i,   and a  streamline  is described by y =  f(r)   = const. 

s(y)   can be derived  from the bow shock  shape,  which may be given either as  the result of 
an experiment or in the form of an analytic  curve.The  latter is only available for the 
case of a sphere, due  to an empirical  formula reported by   KORKAN   (ref.   7) .   For all 
other body shapes the  shock profile must be determined  from an experiment,  e.g.   from 
an appropriate  shadowgraph.  With this  information available,  density profiles  in the  far 
wake and the extreme values of e according to equation   (1)  have been calculated with the 
inclusion of considering real  gas effects for  the change of state variables  at the bow 
shock  front   (Figs.   3   and 4).   The profiles thus obtained do not  include  the  entropy 
production  in  the  intermediate regime  between  the bow  shock and the   far wake.   At high 
Mach numbers,   these additional dissipative effects,   e.g.  due  to secondary shocks,  can be 
regarded to be  small  in comparison to  the entropy jump at the bow shock. 

3. INFLUENCE OF THE DRAG COEFFICIENT 

The above calculations with which one determines the  distance  between  the two bands  in 
the  schlieren picture  do not explicitly include the influence of the body drag.  This 
influence can only be derived  from the  shape of the applied bow shock profile.   In some 
cases,   the drag coefficient of the  investigated bodies  can be  found  from available data 
of  forebody pressure  drag as estimated  from measured  bow shock  shapes   (ref.   8) .   It  can 
be  assumed,   that  the  total drag of blunt bodies  flying  at hypersonic  Mach numbers  is well 
described by the forebody pressure drag. 

A quite different approach of analyzing the  schlieren measurements of  the hypersonic 
entropy wake has been described by WEBB   (ref.   6).   In this analysis the enthalpy profile 
in the  far wake is taken as a measure of the body drag,  and this enthalpy distribution 
is approximated by a Gaussian profile.   The problem is  to determine the appropriate 
constants of the Gaussian distribution.  After  inserting this approximation  into the 
schlieren  formula for axisymmetric density fields   (eq.    (1)),  one obtains an  expression 
for  the  schlieren deflection angle  e,   from which one derives,   after  some rearrangements, 
for the position y__„ of the extreme values of  e: 

ymav = + const.   M^  /Cn (2) max      — 0=      D 

Hence,   this  results  shows explicitly,   that the distance between  the observed  schlieren 
bands  increases linearly with the  flight Mach number M^ and with the  square root of the 
drag coefficient.  The  constant on the  right  side of eq.   (2)  contains  several   flow para- 
meters,  e.g.   the ratio of the free stream enthalpy and the enthalpy on the wake axis, 
and the ratio of specific heats,  y, of the gas  in the wake flow. 

4. EXPERIMENTAL INVESTIGATIONS 

Ballistic range experiments have been performed in order to photograph the entropy wake 
by means of a  schlieren  system.   Blunt models of various  shapes  have been launched with 
a light gas gun  in a Mach number range of 8  <  M^ <  16.   The model  shapes which have been 
investigated are:   spheres,  cylinders  flying in    the direction of their axes,   cylinders 
with a spherical forebody, cylinders with elliptical  forebodies,  and cones with a 
spherical nose.  The respective CD-values are known or extrapolated from different 
sources and tables   (refs.  8 to  10).  Additional  but very reliable information on the Cp- 
values was obtained by measuring flight  times  between  several light-screen systems in 
the ballistic range. 

The wake was visualized  in a double-path schlieren system and photographed by means of a 
high speed drum camera.   This allowed to  survey the wake  over several  hundred diameters 
behind the body and to omitt those experiments  in which the wake had become turbulent 
too early,  or  in which the model  had flown unstable or with an angle of attack.   The la- 
minar wake flow was established by lowering the pressure  in the range  to a value below 
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20 Torr.  The very low density level associated with this pressure   required to use  an 
extremly sensitive optical  system. The recorded schlieren pictures were evaluated by 
utilizing a densitometer.  This allowed to determine  the position of the extreme values 
of e   (see section 2)   with a much better precision than from a visual  inspection of  the 
schlieren photographs   (Fig.   1). 

5.   DISCUSSION 

For a given body shape, e.g.   for the  sphere   (CD = 0.96)   or the cylinder flying  in  the 
direction of  its axis   (C- =   1.69),  the measurea values show the expected dependence  on 
theflight Mach number M^   (Figs.  3 and 4) .  The experimental errors which arise  in po- 
sitioning the extreme values of the  schlieren deflection angle decrease with increasing 
Mach number.   In some cases,   the bow shock  shapes of the respective bodies have been 
photographed and used to evaluate the presented schlieren theory.  These results agree 
well with the experimental values within the error  limits of the measurements.   Agreement 
is also found between the experimental results and an evaluation of WEBB's theoretical 
approach which predicts a linear dependence of the position of the extreme values  of  e 
(here designated as r_    )   and the flight Mach number.  WEBBS's formula,  however,   should 

not been evaluated with a value of y =  1.4   (for air) ,  but rather with y smaller than  1.4, 
according to the  temperatures behind the strong bow shock wave.  The measurements are 
well matched by using a value of y =  1.2,  while there appears a tendency of the experi- 
mental points to approach the curve obtained with y =  1.3  at the lower Mach numbers. 

Results obtained  for different body shapes or CD-values but with the  same   (or nearly the 
same)   Mach number  are shown  in Fig.   5  for M^^  and  in Fig.   6  for M^ =  14.  Also included 
is an experimental  point derived from ref.   T1.  Within the error limits,  these results 
confirm the prediction that  the distance between the observed schlieren bands  increases 
with the square root of the  drag coefficient.  Thus,   such a representation could be  used 
to determine CD-values of blunt bodies launched in a ballistic range,  provided that  the 
flight Mach number   is known.   The practical  application of  such a procedure might be 
limited,  since it appears necessary to control  in any case the stability of flight  and 
the existence of  a  laminar wake flow. 
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Fig.   1       Schlierograph of  the laminar  for  wake   (entropy wake)   behind  a  sphere  flying 
with a Mach number of M    =   12;   flight direction  is  horizontal. 

Streamline 

far wake 

Fig.   2      Coordinate  system of the  flow model used to evaluate schlieren observations 
(section   2) . 
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Fig. 3  Position rmax of the extreme values of the schlieren deflection angle in the 

wake behind a sphere. Open symbols: Free flight range experiments. Full symbols; 
Evaluation of schlieren theory with measured bow shock shapes. Curves designate 
WEBB's theory, and schlieren theory evaluated with KORKAN's shock profile. 
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Fig.  4       Results for cylinder flying in the direction of  its axis.  Notation see Fig.   3. 
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Fig.   5      Position r__     of the  extreme values of the  schlieren deflection angle  in the max 
wake of various blunt bodies  flying at a Mach number of M    =12.  Open  symbols: 
Free flight  range experiments.  Full  symbols:   Evaluation of schlieren theory 
with measured bow shock shapes.  Curves designate WEBB's theoretical prediction. 
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Fig.   6      Results for M    =  14.  Notation see Fig.   5. 
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SUMMARY 

This paper discusses wind tunnel and flight drag measurement techniques and correlation of wind tunnel 
and flight drag data for a U.  S.  Navy fighter airplane. 

Wind tunnel drag data were obtained with aerodynamic,   induction system and powered nozzle/afterbody 
models.    A common reference afterbody configuration between aerodynamic and propulsion models was utilized 
to assure compatibility of thrust and drag measurements. 

Flight drag data were obtained from steady-state,  quasi steady-state and dynamic  (wind-up/down turn) 
maneuvers utilizing sensitive three-axis accelerometers to determine excess thrust and the internal pressure 
method for measuring engine thrust.    Compressor airflow,  afterburner pressure drop and nozzle coefficients 
used for computing engine net thrust were obtained from isolated engine tests  at simulated flight conditions 
throughout the flight envelope.    Wind tunnel data were used to account for propulsion system drag caused by 
subcrltical inlet spillage and nozzle Interference drag. 

\ 

Utilization of dynamic test maneuverr has resulted in a significant reduction in the amount of flight 
time required to obtain lift/drag/angle of attack relationships and has allowed assessment of induced drag 
characteristics to angles  of attack not attainable by conventional methods.    These techniques have produced 
flight data quantity,  accuracy and repeatability not heretofore achievable.    Data scatter is + 1$ for 
steady-state maneuvers and + 2^ to + l^J for quasi steady-state and dynamic maneuvers depending on Mach 
number.    General conclusions  reached relative to wind tunnel drag estimates include:    (l) good to excellent 
agreement in subsonic minimum drag,  drag rise Mach number and slope,   external store drag increment, high- 
lift configuration drag and drag Increment due to nozzle configuration changes;   (2) unexplained differences 
exist in minimum supersonic drag;   (3) slightly greater airplane induced drag exists throughout most of the 
Mach envelope;  and (U) Reynolds number effect on subsonic  skin friction drag is verified. 

LIST OF SYMBOLS 

Geometric area MAX 
Acceleration Min 
Afterburner N 
Afterburner pressure drop Ni 
Altitude Test Facility N2 
Centigrade NPR 
Drag coefficient, D/qS P 
Minimum drag coefficient P 
Equivalent skin friction drag coefficient PCM 
Center of gravity psi 
Nozzle coefficient psia 
Lift coefficient, L/qS psid 
Power off lift coefficient. q 
L/qS - Fg Sin (O + T )/qS 

Drag R 
Degrees r 
Engine pressure ratio, Pr7M/Pr2 Re 
Fahrenheit RIM 
Gross thrust S 
Meter measured thrust sec 
Ram drag SL 
Feet T 
Fuselage reference line TRS 
Gravitational constant V 
Hour wa 
Hertz Wf 
Intermediate rated thrust 

wf Times 1000 
Kilograms •» 
Kilonewtons » 
Kilometers Y 
Knots i 

Lift 1 
Pounds 
Mach number 9 
Meters 
Mean aerodynamic chord 0 

a 
AB 
AB FD 
ATF 
C 
CD 
CDmin 
CFe 
CG 

Cg 
CL 
CLpo 

D 
Deg 
EPR 
F 
Fg 
Fm 
Fr 

ft 
FRL 
G 
hr 
HZ 
IRT 
k 
kg 

km 
kt 
L 
lb 
M 
m 
MAC 

*   Senior Performance Engineer - Fixed Wing Aircraft 

Maximum 
Minutes, minimum 
Newton (0.221* lb) 
Low pressure compressor rotor speed 
High pressure compressor rotor speed 
Nozzle pressure ratio,  Ppio/Pa 
Pressure 
Longitudinal body axis accel. misalignment 
Pulse code modulation 
Pounds per square inch 
Pounds  per square inch absolute 
Pounds per square inch differential 
Dynamic pressure,  normal body axis 

accel.  misalignment 
a vane displacement  from airplane CG 
Accel,  displacement from airplane CG 
Reynolds    umber 
Revoluti' is per minute 
Wing aret» 
Seconds 
Sea Level 
Temperature, thrust 
Traversing rake system 
Velocity 
Airflow 
Fuel flow 
Total gas flow (Wa + Wf - bleed airflow) 
Airplane weight 
Angle of attack 
Angle of sideslip 
Ratio of specific heats 
Incremental quantity change 
Ratio of ambient to standard 

SL static pressure 
Ratio of ambient to standard 

SL static temperature 
Pitch angle 

, . 

1 



.,. Wing sweep angle 
Longitudinal thrust line inclination 
Roll or bank angle 
Yaw angle 
Degrees 
First time derivative 
Second time derivative 

Subscripts 

a 
FP 

Ambient, actual 
Flight path 

1 . 0 INTRODUCTION 

1 . 1 Importance of In-Flight Dry Meuurement 

nEB Fuselage bending 
i Ideal, indicated 
MIBAL Misaligr~Rnt 

M Mixed 
NBB Nose boom bending 
REF Reference 
T Total, true 
X Longitudinal axis 
y Lateral axis 
z Vertical axis 

N1.1111erals: Engine and ATF measurement p l anes 

Aircraft performance estimates are dependent on an accurate knowledge of aircraft drag . 
The process of aircraft drag estimation, during the design and development stages, in-
volves calculation fran theory and empirical relations followed by measurement of the drag of scale models 
in wind tunnels . Model teat results must be extrapolated to full scale flight Reynolds number and adjust ­
ments made for details not represented on the model. The validity and accuracy of this process can only 
be substantiated if full scale flight measurements of drag are available for canparison with the design es ­
timates and wind tunnel derived drag. 

Actual aircraft performance can be accurate.ly determined in flight without a knowledge of engine thrust 
or aircraft drag; f or example, aircraft specific range th1·ough measurement of fuel flow and airspeed; max­
imum airspeed by determining the point at which excess thrust is equal to zero. However, responsibility 
between airframe and engine( s) for any variance between actual and estimated aircraft performance cannot be 
made because any differences could be caused by either a change in propulsive efficiency or in aircraft 
drag. Separat ion of these items must be accanplished to account for any difference between actual and es ­
timated aircraft performance. 

One approach to defining production aircraft final performance capabilities is separate evaluation of 
the many aspects of aircraft performance (cruise, climb, acceleration, maximum airspeed, etc. ) in the 
various external s t ore l oadings representative of the mission capabilities of the airplane . Another ap­
proach is a fl ight pr ogram designed to pr ovide a thorough understanding of the components of aircraft drag 
(minimum or zero lift drag, induced drag, drag divergence, external stores drag, etc . ) and engine per­
f ormance throughout the flight envelope. The latter approach is more efficient, timely and economical and 
provides data from which aircraft perf ormance can be conf idently cal culated throughout the aircraft's air­
speed, altitude and normal acceleration envelope. 

Measurement of drag in flight is often necessary t o evaluate the e ffects of aerodynamic changes to 
impr ove drag, t o optimize aircraft performance (especially f or variable geometry aircraft), and to provide 
a baseline f rom which aircraft performance may be predicted f or changes in aerodynamic configuration to 
perform alternate missions or for the installation of different engines. 

1 . 2 Inadequacies of Conventional Drag Measurement Techniques 

In t he past, attempts to measure in- f light drag have not proven entirely satisfactory because of in­
sufficient data of dubious accuracy. The industry standard for drag measurement ( + 3~ accuracy) is seldom 
achieved, even under carefully controlled conditions. As a result, attempts to correlate flight and wind 
tunnel drag data have been viewed with scepticism and obvious anomalies left unresolved. Drag determination 
fran conventional performance testing techniques involves evaluation of aircraft and engine data obtained 
fran steady- state and quasi steady- state maneuvers (energy method). Quasi steady- state maneuvers are 
defined as those either flown near 1 g and/or excess thrust near zero (climbs, descents, accelerations, 
decelerations and sustained g turns) . Tbese techniques have proved inadequate from the following 
standpoints: 

a . Data scatter and unknown systematic errors are such that absolute drag levels are uncertain 
and drag increments fer external stores and aircraft changes are not re&.dily discernible. The data 
scatter, or random errors, is caused by inaccuracies in flight instrumentation and inability or failure to 
properly account for, either wholly or in part , IIIIUlY items that directly effect drag measurement . Some 
of the items that cause data scatt er include aircraft acceleration (nod steady- state), Reynolds number 
effects and aircraft flexibility and trim effects . Items that not only contribute to data scat t er but 
could also cause systematic errors are engine airflow (to determine rsm drag), engine gross thrust in the 
flight nozzle operating environments and airframe/engine interaction ~tfects. 

b . Evaluation of induced drag characteristics (drag due t o lift) is incanplete and time consuming 
because drag over only a limited lift coefficient range can be obtained by varying altitude, aircraft mass 
and normal acceleration at a single Mach llUIIber. Dr ag under instantaneous g condi tions cannot be evaluated . 

c . The large IIIIIOUilt of flight time required t o fully eval1111.te aircraft drag , especially for air­
craft with large altitude/Mach envelopes is either costly or not available because of limited program 
resources and restrictive developDent schedules. 

1. 3 In-Flipt Thrust Measurement Techniques 

The fundamental par-ter in t he determination of air craft drag is accurate measurement of i n- f light 
engine thrust. Tbe 110st satisfactory method of measuring thrust i n- flight would be by a direct measure­
ment of the axial force produced by the engine . This 11ethod requires that the engine be free fran 



longitudinal constraints. This is difficult to achieve in practice because of engine - to- airframe seals, 'lo./ ·J 
connections and support requir ements for the engine nozzle . Reference (1 ) reports that attempts to ~ 
measure engine trunnion thrust in a Fairey Delta 2 research aircraft was found to be wholly unsatisf actory, 
probably because of significant engine constraint s produced by the jet pi pe support s. In addition to 
accurate measurement of the engine axial force , a correction must be applied to account for the pressure 
force~ ~cLiug on t~c i~idc cf the i~~et. Thi5 ~n~rPction is also difficult to determine . 

The more useable methods are indirect approaches whi ch deduce engine nt+. thrust from the di fference 
between engine gross thrust and ram drag. Gross thrust is def ined as the sum of the momentum and pressure 
forces at the nozzle exit and ram drag is defined as the free stream momentum of the air mass f low enter­
ing the engine compressor. In these internal or gas generator methods, the ideal gross thrust is cal­
culated from engine pressure and temperature measurements based on perfect gas laws assuming one dimen­
sional, adiabatic continuous flow with isentropic expansion to free s tream pressure at he nozzle . In 
reality none of these assumptions are completely valid and calibrati on factors must be applied t o the ideal 
theoretical calculations to obtain actual gross thrust. Early in jet air craft development the gross 
thrust calibration factor was based on actual measurement of thrust on a static sea level thrust stand and 
extrapolated to altitude and airspeed flight conditio1s . With the establishment of engine test fac ilities 
to simulate flight conditions at the engine compressor and exhaust, it was found that this extrapolation 
produced considerable errors in gross thrust measurement. Reference {1) reports a systemati c error on the 
order of 5~. The advent of the engine ATF {altitude test fa~ility) , coupled with wind tunnel calibrations 
of inlet and exhaust nozzles have resulted in consi derable refinement in thi s in-flight measurement tech­
nique. However, considerable errors in t hrust measurement in-fl i ght still exist. r e fere nce (1) tests 
with a Fairey Delta 2 research airplane indicate r andom errors of + 4i with the possibility of systematic 
errors on the order of ~. Reference {2) static tests with an F-lllA airplane and an influence coeffi ci ent 
study for important thrust measurement parameters, indicate in-fl~ght random errors at military thrust 
levels of + 3i for one method based on nozzle pressure and area and + 5i for a second method based on 
nozzle totil temperature and air mass flow. Systematic err ors and considerably gr eater r~~dom errors could 
exist at lower thrust levels. 

A third method that, in principle, measures gross thrust and mass flow without the need for an engi ne 
ATF calibration is by utilization of a "Swinging Rake" or TRS {Traversing Rake System) . This concept was 
initially developed by the Grumman Corporation under contract to the u. S. Navy and provi des a simple means 
of surveying the total and static pressures and total temperature at the jet exit immediately aft of the 
nozzle plane. TRS installations have been installed on F- ll, A-5A and A-7A airplanes. A typical installa­
tion is shown in Figure 1. TRS installati ons have 
provided in-flight data with random errors of + 3i 
and no known systematic errors for turbo~ engine 
airplanes. Reference (3) discusse~ the results of 
in-flight tests of a dual TRS installation on the 
twin turbojet engine A-5A airplane. However, 
thrust data obtained with the TF30-P-6 turbof an 
engine installation in the A-7A airplane generated 
doubt as to the validity of TRS measurements be­
canse of asymmetric pressure pr ofiles and disagree­
ment with thrust stand measurements. Although data 
scatter was only+ ~, systematic errors as high as 
7i existed when compared to thrust stand and engine 
ATF data . The tests of reference (4) subsequently 
showed that the method is also unsatisfactory for 
afterburning turbof an engines because of large 
gradients in pressure and temperature at the nozzle 
exit. other difficulties of the TRS as related to 
measurement of airplane drag are: (1) aircraft 
operation is limited to steady-state conditions, 
(2) the drag of the TRS installation must be Figure 1 TRS Installation on A-7 Airplane 
isolated f rom the drag of the airplane and (3) the 
effect of the installation on nozzle/airframe interference drag is unknowr •• 

It is important to note that these thrust calculation methods concern only the derivat i on of engine 
net thrust. Because the airframe and engine must function as a unit, engine and airframe characteristics 
cannot completely be divorced from each other. Calculation of aircraft net propulsive effort, in addition 
to engine net thrust, requires inclusion of propulsion system drag items. Failure to account for these 
items uucy result in failure to obtain generalized drag data from in-fll.ght thrust measurements. Some of 
these interactions for jet type aircraft are as follows: 

a. Additive drag caused by spillage of inlet air for off design inlet mass flow conditions. 

b. Interference drag caused by the effects of externally in•uced flow produced by nozzle exit 
flow conditions. 

c. Flow distortion at the engine compressor face produced by inlet design and resulting effect 
on engine performance. 

1.4 liew In-Flight Dr!ll Measurement Techniques 

'!'be need for timely, efficient and accurate evaluation of the performance capabilities of a Navy 
ficbter airplane over a large Mach, altitude, noraal acceleration envelope, with variable geometry {wing 
sweep, inlet r.-ps, exhaust nozzle and uneuveri.Jll devices) and multi-mission stores carriage capability, 
dictated exploitation of new fligbt test techniques and engineering procedures for determination of air­
craft drac. Instru.entation accuracies were illproved and a sensitive three-axis accelerometer package 
was utilized to accurately define excess thrust for quasi steady· state and dynamic test maneuvers. 
Dynaic test techniques vere developed and refined, in order to define in a single maneuver, airplane 



xi-4 induced drag characteristics at a single Mach number over a large portion of the useable lift coefficient 
ränge.    Dynamic maneuvers are defined as those performed at g levels  significantly greater or less than 
1 g and consist mainly of push-over/pull-up (roller coaster) and wind-up/down turn maneuvers.    Anmirntp 
determination of in-flight engine performance was  accomplished through use  of the engine internal pressure 
method in conjunction with calibration of engine compressor airflow characteristics,  gross thrust nozzle 
coefficient and afterburner pressure drop throughout the airplane flight envelope from isolated engine 
tests in altitude test  facilities.    Airframe/engine interaction effects were evaluated on wind tunnel propul- 
sion models  (induction model and powered propulsion mode]) and the flight measured thrust data adjusted for 
those propulsion system drag items that are functions of inlet mass  flow and nozzle pressure ratio. 

This paper discusses the development and flight results of these new techniques and procedures.    Also 
discussed are wind tunnel thrust/drag measurement and accounting procedures  and correlation of flight and 
wind tunnel drag data based on available flight test data. 

2.0    DESCRIPTION OF TEST EQUIMENT 

I ' 

2.1    Test Vehicle 

The test airplane is an F-lUA supersonic,  tandem seat,  twin engine air superiority fighter designed 
and manufactured by the Grumman Aerospace Corporation.    A three-view drawing of the airplane is shown in 
Figure 2.     The design is characterized by its high 
wing, variable wing sweep, twin vertical tails  and 
podded engine nacelle configuration.    The wing 
panels rotate through leading edge wing angles of 
20° to 68° about outboard wing pivots housed in 
highly swept wing gloves.    Wing sweep can be auto- 
matically or manually controlled in flight.    Vanes 
in the glove leading edges extend to compensate for 
changes in the wing aerodynamic center.     Lift 
augmentation for take-off, landing and manpu.ering 
in flight  is provided by conventional full span 
leading edge slats and single-slotted trailing edge 
flaps.    Speed brake surfaces are located on the 
upper and lower aft fuselage.    Missiles  and external 
stores are  carried from eight hardpoint  stations 
located on the center fuselage between the engine 
nacelles  (four), under the nacelles   (two) and on 
the wing gloves (two). 

The induction system consists of two horizon- 
tal,  two-dimensional,  all external compression, 
variable geometry air inlets with three hydrau- 
lically actuated ramps and a fixed capture area. 
The inlets  are separated from the  fuselage for 
boundary layer control.    An inlet throat bleed 
door is located on top of each inlet  for inlet 
ramp boundary layer control and for inlet air by- 
pass.    The variable exit area is progranuned as a 
function of inlet ramp position. 

The airplane is powered by two  Pratt and 
Whitney Aircraft TF30-P-U12A,  twin spool,  turbofan 
engines equipped with afterburners for thrust aug- 
mentation.     It is a low bypass ratio engine 
(.878:1.0) with afterburner thrust augmentation 
of 65^.    Figure 3 shows a cutaway view of the 
engine.    A three-stage  fan and a six-stage low- 
pressure compressor are driven at Hx speed by a 
three-sLage  low pressure turbine.    A seven-stage 
high-pressure compressor is driven by a separate 
shaft at Np speed by a single stage high pressure 
turbine.    Combustion is accomplished in an eight- 
chamber combustor.    Fan air is directed rearward 
through a full annular fan duct and discharged 
into the forward section of the afterburner duct 
where it Is  combined with the basic engine turbine 
discharge exhaust gases.    A fully modulating five Figure 2    Three-Vip'.-,- Drawing of Test Vehicle 
zone afterburner arranged in annular rings is 
located downstream of the turbine at a point where the core and fan streams merge. 

The exhaust nozzles are self cooled variable area C-D (convergent-divergent)  iris nozzles with 18 
flaps translated by four actuators.    The throat varies from a minimum of 3.53  ft'' in partial and inter- 
mediate thrust to 7.5 ft2 at maximum afterburning thrust.    Fan discharge air,  taken from between the 
afterburner liner and shell,  cools the  Internal nozzle surfaces. 

Two loadings were utilized for the tests reported herein.    The Baseline Loading consisted of the 
basic airplane plus four Sparrow missiles semi-submerged in cavities at the center fuselage store stations. 
The Rioenix Missile Loading consisted of:     (a) four dual tandem mounted Hioenix missiles  installed on 
pallets at  the center fuselage stations,  and (b) two pylon mounted Rioenix missiles attached to the wing 
gloves.    Fairings to minimize installation drag were Installed ahead of the forward fuselage Hioenlx 
missiles. 

■ 
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Figure 3    Engine Schematic Diagram 

2.2    Test Vehicle Instrumentation ' 

The instnanentation consisted of a digital PCM (Pulse-Code Modulation;    system with signal condition- 
ing,  timing, magnetic tape recording and telemetry subsystems.    The system has the capacity to record all 
PCM data on magnetic tape and to telemeter it to the ground data reduction complex for real-time analysis. 
Instrumentation assemblies and transducers installed in the test aircraft included the following: 

a. A nose boom assembly (Figure k) containing a Eosemont heated pitot/static head,  and angle of 
attack and angle of sideslip vanes. 

b. A forty (UO) probe inlet compressor face rake consisting of eight  (8) radial arms with five 
(5) total pressure pick-ups on each arm (on one aircraft only). 

c. A body sixes accelerometer package containing thermally controlled sensitive Systron Donner 
longitudinal,  lateral and normal accelerometers.    The accelerometer temperature was maintained at approx- 
imately 350C  (950F).    A photograph of the body axes accelerometer package is  shown in Figure 5. 

d. The test airplanes contained Instrumentation parameters for performance,   stability and 
control and propulsion system flight testing.    The instrumentation pertinent to the results discussed In 
this paper are tabulated In Table I.    The instrumentation parameter accuracies of Table I are for a (l) 
sigma standard deviation (except where noted) based on a Gaussian distribution function of data.    In 
addition to the parameters listed in Table  I,  the following inlet/engine parameters were monitored for 
diagnostic purposes:    inlet ramps and bleed door positions;  compressor hub total pressure  (Ppj);  fan, low 
pressure and high pressure compressor discharge static pressures (P2.5) (^3 an(i ^k)'i turbine inlet tem- 
perature (TT5);  engine nozzle control parameters;  and compressor bleed flow temperature and pressure. 

2.3    Engine Altitude Test Facility 

Calibration data for engine airflow,  ABPD (Afterburner Pressure Drop) and gross thrust nozzle 
coefficient, used in conjunction with in-flight measured parameters for the calculation of in-flight 
engine net thrust, were obtained at simulated altitude conditions in an engine ATF.    These tests were 
conducted at the engine manufacturer's  facility and at the NAPTC (Naval Air Propulsion Test Center), 
Trenton, New Jersey.    A diagram of engine test cell installation and instrumentation at the NAPTC is 
presented in Figure 6.    Conditioned air,  provided through compressors and heaters  (or refrigerators),  is 
supplied to the compressor face at total temperature and pressure conditions  to simulate  flight altitude, 
Mach number and inlet pressure recovery.    The engine external surfaces and nozzle are maintained at 
ambient pressure for the altitude being simulated through the use of exhausters.    Typical of the engine 
test cells utilized was NAPTC altitude chamber IE which has a test section lt.1+2 m (lU.5  ft)  in diameter 
and 5.5 m (18 ft) long.   This chamber will handle a maximum airflow of 159 kg/sec (350 lb/sec) from 
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Figure h   Nose Boom Assembly with « and ^   Vanes Figure 5    Body Axes Accelerometer Package 



Parameter 

AIRFRAME: 

Airspeed (Nose Boan) 
Alt itude (Nose Boom ) 

Time !RIG "B" Time Code) 
Free Air Temperature 
Pitch Attitud:! 
Roll Attit ude 
Angle of Attack (Nose Boom) 
Angle of Sideslip (Nose Boan) 
Rate of Pitch 
Rate of Roll 
Rate of Yaw 
FRL Longit udinal Acceleration 
FRL Normal Acceleration 
FRL Lateral Acceler ation 
Cor rection Temp for FRL 

Acceleromet ers 
CG Normal Accel e r ation 
Wi ng Sweep Posi tion 
Control Surfaces 
Fuel Quantity (8 Tanks ) 

INLET : 

Left Engine Compressor Face .a P 
40 Probe Rake(Rake FT - FREF) 

Left Engine Reference 
Pres sure -FT2( for i nlet Rake ) 

ENGINE (left and Ri ght ) : 

Low Pres sure Compressor 
Rotor Speed (Nl) 

Hi gh Pre ssure Compressor 
Rotor Speed (N2) 

Basic Engine Fuel Flow (Mass) 
Afterburner Fuel Flow (Mass) 
Basic Engine Fuel Used 
Af terburner Fuel Us ed 
Mixed Turbine Discharge 

Pressure ( ~) 
Nozzle Are a (Alo) 
Power Lever Position 

TABU: I 

Ai r craft Test Instrumentation 

Measurement Ranp;e 

93-1853 km/hr (50-1000 kta) 
- 305 to l 9 ,75<AII (-1000 to 65,000 ft) 

hr, min, sec and millisec 
- 480C to +232oc (-550f to +45oor) 
+350 
+20o 
:'5o to +35° 
+150 
"'£.10°/sec 
+5°/ sec 
+5°/ sec 
+o .6g 
:'1g to +3g 
_!(). 6g 

-460C to +93°C (-500f to 2ooor) 
-3g to +8g 
200 to 680 
+Full Surface Deflection 
0 t o Tank Capacity 

!,35 kNi m2 (;! paid ) 

14 to 336 kNjm2 ( 2 to 48 psia) 

0 t o 10, 000 RIM 

0 to 14 ,500 RIM 

0 t o 4 , 500 kg/hr (0 to 10 , 000 lb/ hr) 
0 t o 37,000 kg/ hr (0 to 80 , 000 lb/ hr) 
0 to 89 kN (0 to 20 , 000 l b) 
0 t o 89 kN (0 to 20,000 lb) 
35 t o 420 kN/ m2 (5 to 60 psia) 

0 .325 to 0 .7m2 (3.5 to 7.5ft2 ) 
0. to 120° 

* Accuracies based on a 2 .33 sigma deviation. 

FreQ. Estimated Accuracy 

5HZ +1.86 km/hr (+l Kt) 
5 HZ +13.4 m (44 ft) at SL 

~. 9 m (85 ftJ at 65K 

5 HZ +.56°C (+l.oor) 
6.5 HZ ~.240 -
6.5 HZ ..:to.24° 

10HZ ~.1~ 
10HZ *+o.l~ 
10 HZ +5.150/sec 
10 HZ +o.l0°/sec 
10 HZ +0.10° /sec 
10HZ +.OOlg 
10HZ +.oo4g 
10HZ "'£.00lg 

0.2 HZ +l.~C (3or) 
10 HZ +o.o27g 
10 HZ +0.2° 
20HZ +1° 

5 HZ "'£t>.45 kN (,! 100 lb) 

10HZ ;!1.4 kN/m2 (_!0.2 psi) 

10 HZ ,!0 .62 kNjm2 (,!0.09 psi) 

5 HZ +18 RIM 

5 HZ ,!27 RIM 

5 HZ +l~ of Indication 
5 HZ +1~ of Indication 
5 HZ +1.25~ of Indication. 
5 HZ +1.25~ of Indication 
5 HZ "'£.1.0 kN/m2 (;:0 . 15 psi) 

10 HZ +0.0028m2 (;!0.03 ft2) 
5HZ +1° 

~o4 kN/m2 (4250 lb/ft2 t o 5.76 kN/m2 (120 lb/ ft2) absolute pressure with temperatures which var,r from 
-54°C ( - 650f) to +l60°C ( +32oor). Maxiana continuoua design exhaust temperature 18 l9~C (350001) and 

·exhaust pressures range from 101 kN/m2 (2116 lbjrt2) to 2.71 kN/m2 (56 . 6 lbjtt2) ablolute. The ATF teat 
cell instrumentation and instrumentation accuracies are tabulated in Table II. 

The engine airf low characteristics were ~asured utilizing a bellaouth inlet and circular duct contain­
ing tempera t ure and pressure inst rumentation calibrated independently by the choked nozzle measurement 
technique. As shown in Figure 6, Station 1.1, airflow measure.nt inat~ntation consisted of: (a) four 
wall mounted static pressure sources, (b) two vall IIOUllted 5 pl'Obe total te.perature rakes and (c) two 
total pressure rakes arranged with probes to evaluate total pressure acroaa t~ duct in ten concentric 
equal areas. A six probe vall mounted bOUDdary la;Jwr nke a.-pled the 1~ ot the cross aectional araa 
closest to the duct valls. A nine probe integrating type rake spanned the di-ter of the duct &Del 
sampled the remaining ~ of the cross sectional area. 

The ABFD was detemined as the difference bet-n the ensine turbine diacharp pressure, measured 
with production ens1ne inat~lltation, &Del the nozzle discharge preaaure, meaaured with a water cooled 
total pressure rake. The preaaure drop measuring station, u shown in P1gure 6, Station 9; val located 
just downstre811l of the afterburner inner liner &Del upatre• ot the variable position exhaust nozzle throat. 
Eighteen total preaaure tingerl equal..l7 spaced 8panned the nozzle to deter.!De the preaaure profile acr011 
tbe main gas stre811l. To 110re ca.pletel.T define the protile acroaa the entire pa atre•, vall static 
pressures were taken at the afterburner liner in additi011 to total &Del atatic re~ in the coollns 
stre811l passap. All preaaure readinsa were area weicJlted to obtain a repnMiltative preaaure lnel at tbe 
measuring station. The nozzle area val 1ncrealed to account far the blocbp ot the preaaure rake. 

Tbe groaa thrUit nozzle coefficient, c8 , val ca.puted u the ra';lo blt-n actual me..-t ot 
engine gross tbruat at the aillulated flight condition, using 1om celU and a tendon flexure thrUit at&Dd 
installed in the teat cell, &Del the calculated ideal groaa thruat far the aillulated conditions u diacuaaed 
1n Section 4.2. ' ; 
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Figure 6 ATF Engine Inltallation and In1trumentation Diagram 

TABlE II 

ATF Test Instrumentation 

Measurement Range Estimated Accuracy 

"\ ,, _,., 
oA. T I 

Pressures Pr2.1, Pr?M, Pr9 & Flo 3. 5 to 210 kN/m2 ~0 .5 to 30 psia) + 0.175 kN/m2 (0.025 ps i) 
+ 1.0 kN/m2 {0.15 psi) Pressures Pr?M 8c Pr9 35 to 2100 kN/m2 5 to 300 psia) 

Pressures Prl .l 8c Pl.l 3.5 to 31.5 kN/m2 {0 .5 to 4.5 ps ia) + 0.042 kN/m2 (0.006 psi) 
Total Temperatures TTo, TT1.1 & TT2 I / C {Iron-Constantan) Thermocouples + 1.7oC (30F) 
Engine Ccmponent Total C/A (Chromel-Alumel) Thermocouples !: 3.3°C (6°F) 

Temperatures {see Fig. 6) 
Fuel Flowmeters: 

3/4 inch diameter 0 to 4,400 kg/hr (0 to 10,000 lb/hrJ + 0 .3~ of value 
1 1/4 inch diameter 0 to 16,000 kg/ hr (0 to 35,000 lb/hr) + 0.3~ of value 
2 inch diameter 0 to 32,000 kg/ hr (0 to 70, 000 lb/ hr) + 0 . 3~ of value 

Rotation Speeds 0 to 16,000 RPM + 0 . 01~ of value 
Nozzle Area 0.325 to 0.7m2 (3.5 to 7.5 ft2) + 0 . ~ of value 
Thrustmeters 22 .3 kN ( 5,000 lb) Range + o.o67 kN (15 lb) 

44.6 kN (10,000 lb) Range + 0.134 lW {:_'10 lb) 
89. 2 kN (20,000 lb) Range + 0.267 ~ ~60 lb) 

2.4 Wind Tunnel Modell 

Aerodynamic force and moment, induction system, propulsion nozzle/afterbody and reference backend 
wind tunnel models were used to establish model drag through state-of-art wind tunnel test techniques and 
procedures. 

Subsonic and transonic aerodynamic force and moment data were obtained with a 1/16· scale model (shown 
in Figure 7). Supersonic aerodynamic force and moment data were obtained with a 1/22 scale model. Internal 
drag and IIIILIIS flow were determined on these models through separate calibration of a single inlet probe 
against a 48 probe nozzle exit rake. cylindrical reference nozzles were incorporated on these models for a 
portion of the wind tunnel testa to provide a c~ reference drag configuration between the aerodynamic 
and propulsion model tests. High-lift configuration force and moment data were obtained with a ' l/10 
scale IIIOdel. 

Tbe induction ~JBtem model, Figure 8, is an accurate 1/7 scale representation of the inlet, inlet 
variable geometry, internal duct ills and adjacent external lines. The induction ~JBtem model was inatru­
~~ented to provide data on inlet drag variation with IIIILIIS flow, inlet pressure recovery and distortion and 
turbulence. 

Tbe propulsion nozzle/afterbody IIIOdel is a 1/12 scale duplication of the aircraft backend mounted 
beh1Dd a nose-supported forebody/villg c~ination as shown in Figure 9. The model bad provisions for 
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dupl i cating fl i ght exhaust nozzle and exhaust nozzle f low conditions to determine nozzl e thrust losses, 
nozzle pressure dr~ and interference , and the influence of exhaust flow on the nozzle and fusel~e 
afterbody. 

The reference backend model, Fi gure 10, is the propulsion noz~le/afterbody model with the nozzle/ 
afterbody r eplaced by a duplication of the aerodynamic force model afterbody, incl uding cyl i ndrical nozzles , 



aero model exhaust conditions and dummy sting support arrangement. M-l 
Wind tunnel facilities utilized during the conduct of wind tunnel test program included the NASA 

Langley Research Center 16 ft Transonic and h ft Unitary Plan supersonic wind tunnels,  the NASA Ames 
Research Center 12 ft Pressure Tunnel,  and the Cornell Aeronautical Laboratory 8 ft Transonic Tunnel. 

3.0    WIND TUNNEL THRUST AND DRAG ACCOUNTING 

The basis used for thrust and drag bookkeeping in estimating full scale aircraft performance is out- 
lined in Figure 11 and is composed of three major elements: (l) Equivalent Aircraft Drag, (2) Equivalent 
Net Thrust, and (3) a Reference Configuration. 

3.1 Equivalent Aircraft Drag 

All force components independent of power setting are accounted for in equivalent aircraft  drag.    The 
aerodynamic model testing provided data on aircraft form drag,  external store drag and friction drag at 
model scale Reynolds number and boundary layer transition conditions.    These data were obtained from the 
aerodynamic force  and moment models and induction system models discussed in Section 2.h.    The remainder of 
the equivalent aircraft drag components are determined by accepted theoretical or empirical methods.    These 
adjustments Include:    (l) correction between model and full scale skin friction drag,   (2) roughness drag, 
(3) excrescence drag not duplicated on the model,  and (k) cooling and ventilation drag.     In addition, all 
drag ■ olars below 0.9M were adjusted for a beneficial effect on drag due to lift observed from wind tunnel 
test;' as the tunnel Reynolds number was increased. 

3.2 Equivalent Net Thrust 

All drag components which are functions of thrust level are accounted for in equivalent net  thrust. 
Equivalent net thrust is defined as engine net thrust adjusted for propulsion system drag items.     Operation 
of the propulsion system in an airplane produces mutual interactions between internal and external flow 
near the inlets and exhaust nozzles.    Because these interactions vary with engine operation,  it  is 
convenient to include their effects in the installed thrust determination and avoid changes in aerodynamics, 
especially induced drag, due to changes in power setting.    These items include subcritical inlet  spillage 
drag and nozzle interference dra.g and were determined during wind tunnel testing "with the induction 
system model and propulsion nozr.e/afterbody models described in Section 2,h.    Since it  is currently not 
possible to measure inlet subcritical spillage drag and nozzle interference drag in flight,  these wind 
tunnel determined results were also incorporated in the in-flight thrust calculation procedure  outlined in 
Section U.2 to determine full scale drag. 

3.3 Reference Configuration 

Conventional aerodynamic wind tunnel tests do not accurately simulate the flow conditions that exist 
on the airplane in the presence of the operating engine nozzle.    To address this situation a reference 
configuration was established to provide an interface between aerodynamic and propulsion wind tunnel model 
investigations.    This method recognizes and accounts for a number of complex flow interactions associated 
with airframe/engine integration.    The reference  configuration consisted of a twin sting supported model 
(dummy stings were installed for the propulsion model reference condition) incorporating cylindrical nozzles 
in place of the actual airplane nozzles,  as shown in Figure 10.    The utilization of the reference nozzles 
during both aerodynamic force testing and propulsion installed nozzle tests established a base  from which 
the effects of operating nozzle pressure ratio could be determined. 

k.O    FLIGHT TEST DRAG MEASUREMENT 

h.l    General 

Three-dimensional equations for in-flight lift and drag determination of aircraft without lateral 
thrust inclination angles are as follows: 

Lift    L -Fg Sin ( o + T ) + WTaZFp (1) 

Drag D = Fg Cos (o + T ) Cos^ + Fg Sin fi -Fr Cos ß  - WTa^, FP (2) 

In equations (l) and (2) the longitudinal thrust inclination angle  ( T ) is constant,  the aircraft weight 
(WT) can be readily accounted for,  and test procedures ensure that the sideslip angle  ( ^ ) be zero or held 
to a minimum.    It  can be seen, therefore,  that the calculation of lift and drag are dependent on accurate 
determination of gross thrust and ram drag (Fg and Fr), the longitudinal and normal acceleration along the 
flight path (axpp and agpp), and angle of attack (« ).    The approach to measurement of these items, as 
discussed in this paper, involved laboratory calibrations and accurate in-flight measurement of the required 
instrumentation parameters, integration of theoretical computations with calibration data from isolated 
engine tests and the use of wind tunnel data to adjust in-flight measured thrust for the effects of propul- 
sion system drag items.   Analytical methods, ground check procedures and flight test data were employed to 
obtain the effects of nose boom bending and upwash characteristics on angle of attack measurement. 

ftiragraphs h^, k.'i and h.k discuss the primary techniques and methods for measurement of thrust, 
acceleration and angle of attack.    However, additional approaches were employed to assure consistency and 
continuity of results and for crosscheck purposes. 

Paragraphs 1+.5 and k.6 and k.J present and discuss the results of drag data obtained by steady-state, 
quasi steady-state,  and dynamic test techniques; and correlation between these techniques. 

The flight lift/drag data presented in this Section and in Section 5 has evolved through continual 
refinement and iteration as updated isolated engine Information, wind tunnel data and flight data pertinent 
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to thrust, acceleration and angle of attack measurement became available. 

Primary test techniques employed were quasi steady-state and dynamic maneuvers because of the large 
quantity of data that can be obtained by these methods. Steady-state data were also obtained to verify 
the validity of data obtained from quasi steady-state and dynamic maneuvers. 

The drag data presented in this Section and in Section 5 are adjusted to a common set of conditions 
to enhance data generalization and for comparison with wind tunnel data. These conditions include: 
(1) trim for zero pitching moment at a common center of gravity position consistent with wing sweep position, 
(2) common Reynolds number based on 10,668 m (35,000 ft) altitude for skin friction drag and (3) the re- 
moval of the increment of lift contributed by the component of engine thrust in calculating aircraft lift. 
Thrust/drag scales are not included on graphs because of security considerations. 

U.2 Thrust Measurement 

The engine gross thrust, Fg, and ram drag, Fr, terms of equations (l) and (2) were determined from in- 
flight measurements and isolate^ engine ATF test data using the following relationships: 

Fg - Fgi Cg (3) Pr = (WaV-rVg CO 

where Fgi is defined as the ideal gross thrust obtained when the nozzle flow is isentropically expanded to 
free stream pressure. The ideal gross thrust for unchoked and choked nozzle flow conditions, as derived in 
references (2) and (5) in various forms, are defined by the following: 

- D/y 
Unchoked Fgi = Pa A10 f ,2 y  1 \L 

p   -I r 
Choked   Fgi = R^o A10 r _2  

PpiO 

Pa 
/(r- 1) 

\ ^-])/y.l] 

Prio/Pa 

(y- i)/y-ii/2 

(5) 

(6) 

In equations (3), (*+), (5) and (6); r and g are constants; VT, A10 and Pa are obtained by direct in-flight 
measurements; and Wa, Pno and Cg are obtained indirectly by in-flight measurements in conjunction with 
engine ATF calibration data. ATF calibration data for these items were obtained on TFSO-P-1*!? engines 
during engine development testing. 

The engine airflow, Wa, as a function of corrected low pressure compressor RIM, Ni/V*r2> w*8 measured 
using a calibrated bellmouth and circular inlet duct as discussed in Section 2.3. This method was used 
in lieu of in-flight data obtained from the ho  probe inlet compressor face rake discussed in Section 2.2 
for reasons of accuracy. Airflow accuracy obtained by the ATF calibration method is estimated to be + 0.8^ 
based on a theoretical error analysis and is Independent of inlet distortion. The accuracy of obtaining 
airflow measurements with the ho probe inlet rake, assuming no distortion or temperature gradients In the 
inlet. Is estimated to be + 2 to k$  depending on inlet airflow velocity. The inlet rake data were used t.c 
obtain inlet pressure recovery and inlet pressure distortion at the compressor face. The variation of 
corrected airflow with corrected low pressure compressor RIM and engine pressure ratio is represented In 
Figure 12. 
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CORRECTED LOW ROTOR SPEED - N]/ JOn 

Figure 12 ATF Engine Airflow Calibration 

The nozzle discharge pressure, Prio» was obtained at engine operating conditions by measuring the 
turbine discharge pressure and applying a correction factor for the pressure drop to the nozzle exit plane 
The turbine discharge pressure, PTTM» was measured using production engine Instrumentation consisting of 
six probes spanning both the fan discharge and turbine discharge passages. The probes are manifolded to- 
gether externally to provide a single source of average pressure, VfjM,  (PJ-T mixed). The pressure loss in 
the afterburner was established from engine ATF tests as discussed in Section 2.3 using a water cooled 
pressure rake to measure the nozzle discharge pressure at the nozzle throat. The pressure drop in the 
afterburner represents the summation of the effects of aerodynamic drag of the Internal hardware plus the 
momentum pressure change resulting from the addition of heat. The aerodynamic drag is a function of after1 

burner inlet Mach number, whereas the momentum change is a function of both the afterburner inlet Mach 
number and the afterburner temperature ratio. The ABH) correction is represented in Figure 13 for AB and 
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Figure 13   ATF Afterburner Pressure Drop Calibration 

non AB engine operation.    The ABPD is correlated with nozzle area, AiQi forAB operation and with engine 
pressure ratio,    Pr7M/Pr2>   and th6 turbine discharge flow parameter, W^^TTTM/PTTM,  for non AB operation. 
The mixed turbine discharge total temperature, TT7M> used to compute the turbine discharge flow parameter 
is derived empirically from compressor inlet total temperature and engine fuel/air ratio. 

The gross thrust coefficients used for in-flight thrust calculations were computed as the ratio be- 
tween actual measurement  of engine gross thrust at the ATF simulated flight condition and the  calculated 
ideal gross thrust for the simulated conditions using equations  (5) and (6).    The actual gross thrust, Fga, 
is the summation of the thrust stand meter measurement and the momentum and pressure forces acting on the 
engine in the test cell: 

'ga Fm + Wa/g (Vl.l) + A1.1 (P1.1 - P10) (7) 

(see Figure 6 for measurement planes) where the thrust meter force, Fm was obtained by load cell measurement 
of the engine axial force from a tension flexure thrust stand installed in the test cell. 

The basic Cg curves for AB and non AB engine operation are functions of nozzle pressure ratio and 
exhaust nozzle area are shown in Figure Ik.    The basic Cg is modified by a delta Cg to account for the 
decrease in engine thrust caused by degradation in the Pjy/ station mixing characteristics with increases 
in engine air bypass ratio.    This adjustment is represented in Figure 15 in which delta Cg is presented as 
functions of both nozzle pressure ratio and engine pressure ratio. 
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Figure ll* ATF Nozzle Calibration Figure 15 EPR Incremental Effect on Nozzle Calibration 

Finally, the in-flight engine thrust resulting from the above procedures was adjusted to include the 
effects of propulsion system drag items resulting from mutual interaction between internal and external flow 
near the inlets and exhaust nozzles as discussed in Section 3.2. Since these items cannot be measured in- 
flight, the results of wind tunnel tests for subcritlcal inlet .spillage drag and nozzle interference drag 
were used to make this adjustment. It is recognized that this latter procedure could cause problems in drag 



. generalization if subcritical inlet spillage drag and nozzle interference drag are influenced by Reynolds 

h,2    Excess Thrust Measurement 

Resolution of excess thrust by the energy method requires evaluation of the  "time dependent" 
variables,  airspeed and altitude,  through differentiation.    Any error in the measurements is amplified by 
the differentiation and the magnitude of the time interval used for the differentiation may significantly 
effect the results.    This process results in excessive  scatter for drag data determined by that procedure. 
The accelerometer method,  however,  is  "time independent" or Instantaneous in that a measurement of accel- 
eration along with flight path is a direct measure of excess thrust. 

Significant improvement in the accuracy of the accelerometer  (+.001g for longitudinal acceleration) 
in controlled temperature environments has been achieved making it  an extremely useful device in deter- 
mining aircraft excess thrust.    Two applications of the accelerometer consider the location of (a) a 
three-axis accelerometer package oriented parallel to the Body Axes of the vehicle and (b) a nose boom 
mounted angle of attack vane accelerometer package oriented along the flight path of the vehicle.    The 
equations developed for either of these applications are independent of flight path or vehicle  attitude 
restrictions.    The flight path accelerometer is less sensitive to errors in measurement of angle of attack 
but may present environmental control problems for supersonic aircraft because of aerodynamic heating. 
The body axes accelerometers,  on the other hand,  are less sensitive to errors in pitch rate measurement 
due to their proximity to the aircraft center of gravity and environmental control problems are also less 
severe. 

A temperature controlled body axes accelerometer package was chosen for installation in the test air- 
craft because its  supersonic flight envelope made the survivability and accuracy of a flight path 
accelerometer questionable without expensive and complicated cooling provisions.    Laboratory calibration 
of the body axes accelerometers included checks for cross-axis sensitivity and for temperature sensi- 
tivity. 

The acceleration along the flight path for calculating lift and drag in equations  (l) and (2) are 
represented by the following relationships as derived in reference  (6): 

»xpp = axNet Cos  (0+ P) Cos/»+ ay^gt Sin ^  - aZNet Sin (o + q) Cos ^ 

azpp = aXNet Sin (a + P) 
+ aznet Cos   (a + l) 

where p and q are misalignment corrections. 

(8) 

(9) 

' 

Since the body axes  accelerometers are displaced from the center of gravity of the vehicle by values 
by rx ry and Tz measured along the body axes the accelerometers  also experience accelerations  due to 
rotation of the body axis  and their output must be  corrected for those effects: 

^XNet 

'Vnet 

= ax + 1/g  [ rx (Q2 + 02) + ry (^ -09)+ r,  (8 + 0 )il)] 

ay + 1 

az 

[-rx  (?+ 0 Ö)  + ry  (02 + P)  -r;:  (0 -^8)] 

1/g   [ Tx  (8 - ^) + rv (^ + ^ 9)  + r,  (ö? + 'f)] 

(10) 

(U) 

(1?) 

These acceleration equations,  corrected for cross axis  sensitivity,  are utilized in equations  (l) and  (?) 
to determine in-flight  lift and drag from quasi steady-state maneuvers. 

The airplane drag during dynamic maneuvers  is  obtainea by applying increments  in drag starting  from 
the trim condition.    While the lift equation (equation  (l)) is used to calculate instantaneous  lift  at the 
trim (stabilized) condition and then    t Li, L2  ....   Ln during the maneuver,  the drag equation (equation 
(2)) is used to obtain only the airplane drag at the trim condition.    The equations  for computing drag 
incrementalwise;  i.e.  adding drag increments from point to point  during the maneuver,  are derived in 
reference  (6) and involve resolution of the incremental angle of attack and acceleration changes during 
the maneuver. 

h.h   Angle of Attack Measurement 

In-flight  angle of attack was obtained from the nose boom mounted angle of attack vane  system,   shown 
in Figure k,  adjusted for the effects of nose boom misalignment  and bending,  fuselage bending,  vane 
position pitch rate and nose boom upwash by the equation; 

a i + ^ <» MISAL + A a MBB + A a FUSE + 4 a PITCH i a UPWASH (13) 

where   a ^ is the  indicated nose boom angle of attack.   «^ was  calibrated through the signal conditioning 
and recording system using a calibrated boom mounted throw-board before and after each flight. 

Nose boom misalignment, A a MXSAIO 
was determined through optical measurement.    The nose boom bending, 

4 a MBB>  dus to inertia loads was determined by statically loading the boom with weights and the deflection 
at the angle of attack vane location measured optically.    Nose boom bending due to aerodynamic loads was 
considered as part of the boom upwash calibration.    Fuselage bending, 4» FUSB'  was determined from static 
structural testing in the same manner. 

The correction due to pitching velocity, 4 o PITCH 
was computed from the equation: 

A a PITCH ■ R öAT (iM 
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where R is the distance from the aircraft center of gravity to the nose boom vane  locatiLi. 

in which the  indicated The nose boom upwash,4a UPWASH' was determined from in-flight, calibration 
vane angle of attack,  corrected for all of the above items,  was compared with the airplane sensitive 
pitch attitude gyro during steady-state maneuvers. 

>/-/5 

The nose boom angle of sideslip, ß 
attack system. 

lt.5    Steady-State Test Technique 

vane system was  calibrated in the same manner as the angle of 

The steady-state test technique is based on the premise that engine thrust equals aircraft drag for 
stabilized flight conditions  (no acceleration along the flight path).    The test technique consists  of 
stabilizing the airplane in altitude and airspeed at the desired trim conditions and recording any aircraft 
motions over a time interval of approximately three minutes.    The airplane drag is determined through 
evaluation of engine performance as outlined in Section U.2 with adjustment for any residual excess  thrust 
using the energy method.    The residual excess thrust is determined from time-histories of altitude  and 
airspeed. 

Figure 16 presents the baseline drag polar obtained by this technique for two airplanes with three 
different sets of engines.    The data were obtained over the entire Mach/altitude cruise flight regime at 
a constant wing sweep angle  (22°), constant nozzle area (S-SSft2) and over a nozzle pressure ratio range 
of 1,1* to 2.6.    The data are presented for only those test points at lift coefficients and airspeeds below 
drag divergence. 

The aerodynamic  configuration utilized for earlier flights of airplane number 8 was  duplicated,  after 
a six month period in which the effect many aerodynamic changes were investigated,  to evaluate any change 
in the baseline configuration. 

The generalized data of Figure 16 show a remarkable independence of altitude,  engine  installation, 
nozzle pressure ratio and airplane  (for the two aircraft investigated).    All data fall with a scatter 
band of + 1.0^.    The mean deviation for the W data points  of Figure 16 is + 3 drag counts.    Assuming 
no errors  in drag adjustment for residual excess thrust,  the  data scatter is attributable to the 
ability to determine in-flight gross thrust and ram drag using the procedures discussed in 
Section U.2. 
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Figure 16    Steady-State Test Technique Figure 17    Quasi Steady-State Test Technique 

Quasi Steady-State Test Technique 

I _ 

it.6 

The quasi steady-state test technique is based on evaluation of aircraft drag from equations (1) 
and (2) as the difference between measured engine net thrust and airplane excess thrust from acceleration 
along the flight path. The primary test maneuvers employed in evaluation of aircraft drag by this method 
were constant altitude accelerations and decelerations and constant Mach climbs. In-flight engine thrust 
is determined by the procedures outlined in Section 4.2 and airplane excess thrust from the body axes 
accelerometers as discussed in Section 4.3. 

Figure I? presents a 0.7M, 22° wing sweep drag polar derived from an accumulation of quasi steady- 
state drag dat", obtained during constant Mach climbs and intermediate and maximum afterburner thrust 
constant altitude accelerations. These data were obtained over the altitude range 1,524 m (5,000 ft) to 
12,192 m (40,000 ft) with nozzle pressure ratios varying from 2.8 to 4.7. The fairing through the data 
is identical to the fairing through the steady-state data of Figure 16 except that 0,7M drag divergence 
is included at lift coefficients greater than 0,60. The results show excellent drag level correlation 
between steady-state and quasi steady-state drag measurement techniques. 

Figure 18 presents airplane minlmua drag variation with Mach number obtained from sixteen (l6) 
maximum afterburner constant altitude accelerations over various Mach increments covering the Mach range 
0.8M to near 2.0M and altitude range 4,752 m (15,000 ft) to 13,720 m (45,000 ft). The nozzle pressure 
ratio during these maneuvers varied from 4 to 8. Wing sweep ras varied as a function of Mach number as 
shown in Figure 18. Minimum drag at a given Mach number was obtained from faired Mach versus CT and CD 
curves by subtracting Induced drag from measured airplane drag at the test lift coefficient. Tne 
airplane induced drag characteristics were determined independently usipg primarily the dynamic test 
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Figure 18   Maximum Afterburner Accelerations 

technique discussed in Section h.7. 

No trends are discernible from the drag data of Figures 17 and l8 for altitude or nozzle pressure 
ratio.    Excluding the O.95 to 1.05 Mach regime of Figure 18, where airspeed and angle-of-attack measure- 
ments are uncertain because of the effect of the airplane normal shock on the sensors for these parameters, 
the random data scatter for the quasi steady-state maneuvers varies between + h% subsonic to + 2^ near 
2.CM.    The items that may contribute to these random errors are:     (l) basic thrust measurement accuracy 
(+ 1% from paragraph h.5),  (2) transient nature of thrust measurement during these maneuvers,  (3) 
accelerometer accuracy (approximately + lit),  CO shifts in accelerometer bias during flight and from 
flight to flight, and (5) errors in angle of attack measurement.    The significance of this data scatter 
over that obtained by the steady-state technique is somewhat diminished because of the large quantity of 
data that can be obtained using quasi steady-state test techniques.    Note that, despite the data scatter, 
the drag Increase produced by extension of the glove vane in the mid supersonic Mach range is readily 
discernible. 

U.7    Dynamic Test Technique 

Induced drag definition by the steady-state technique requires a substantial amount of flight time 
because only one data point can be obtained for every 2-3 minute stabilized flight period.    The dynamic 
test technique, using highly accurate accelerometers to measure aircraft acceleration in wind-up/down 
turns and push-over/pull-up (roller coaster) maneuvers, allow collection of a large number of data points 
in 20 - 30 seconds covering a wide range of lift coefficients at a given Mach number.    Dynamic test 
maneuvers differ from quasi steady-state maneuvers in that they are performed at acceleration levels 
significantly greater or less than 1 g.    These maneuvers reduce the flight time required to obtain 
llft/drag/angle of attack relationships by approximately 70^. 

Unlike the steady-state and quasi steady-state maneuvers,  accuracy and repeatability are highly 
dependent on pilot technique.    Dynamic test maneuvers must be performed slowly, smoothly and uniformly 
and be flown at low pitch rates (not more than 1,5 degrees/sec) and at pitch rate variations as small 
and gradual as possible.    Wind-up turn and push-over/pull-up maneuvers are performed after a 2 - 3 
minute stabilization at Mach and altitude to obtain a trim base drag level from which drag variation 
with lift coefficient Is obtained from resolution of incremental sngle of attack and acceleration changes 
during the maneuver.    In the wind-up turn maneuver, bank angle and normal acceleration are gradually in- 
creased to a maximum of 3.0 g holding thrust and Mach constant.    In the push-over/pull up maneuver, a 
slow 0 to 2.0 g (maximum) push-over/pull-up is performed while holding thrust constant. 

Figure 19 presents representative subsonic, transonic and supersonic drag polars obtained by dynamic 
test techniques at 0.7M, 22° wing sweep; O.95M, at a mid wing sweep position; and 1.2M and 2.CM at 68° 
wing sweep.    These data were obtained over the altitude range I52Ü m (5,000 ft) to l6,U50 m (5U,000 ft). 
Adjustment of trim drag to steady-state and/or quasi steady-state trim drag levels was required for some 
maneuvers because of disagreement probably caused by an insufficient stabilization period to establish 
the exact trim drag level.    Figure 19 shows excellent drag polar definition to lift coefficients not 
obtainable by the steady-state or quasi steady-state techniques and with results independent of altitude. 
Data scatter Is about equivalent to the quasi steady-state technique and, again, decreases with in- 
creasing Mach number.    As for the quasi steady-state test technique, the significance of data scatter 
using the dynamic technique is diminished because of the large number of data points obtainable. 

Subsonic 22° wing sweep dynamic maneuvers performed in .05M Increments from O.5M to O.85M have 
allowed easy definition of drag divergence variation with Ma^h number and lift coefficient. 
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Figure 19    Dynamic Test Technique 

5.0 FLIGHT - WIND TUNNEL DRAG COMPARISONS 

5.1 General 

The evaluation of the test vehicle drag characteristics and drag components are currently under 
investigation utilizing the drag measurement techniques and procedures outlined in this paper.    Although 
this program is not yet complete,  sufficient data have been accrued to commence appraisal of the results 
against wind tunnel based estimates for full scale drag.    The wind tunnel results used for this comparison 
are reported in reference  (7) except for adjustments to:     (l)  account for differences between wind tunnel 
model and test aircraft aerodynamic configuration and (2) correct  isolated areas of wind tunnel analyses 
resulting from attempts to rationalize differences between flight and wind tunnel data.    The procedures 
and methods for adjustment of wind tunnel data from model test  conditions to full scale estimated drag 
are discussed in reference  (7)-    The flight data are adjusted to a common set of conditions  consistent 
with the wind tunnel analysis   (Reynolds number,  CG,  thrust effects,  etc.) as discussed in Section U.l. 
Selected items for flight/wind tunnel drag comparison are presented and discussed in the following 
paragraphs. 

5.2 Minimum Drag 

Figure 20 shows the variation of minimum drag with Mach number from flight and tunnel drag measure- 
ments over a portion of the subsonic and supersonic Mach envelope. The comparison of Figure 20 shows 
excellent agreement between flight and wind tunnel in the subsonic flight regime and identical Mach 
number for commencement of drag rise. The shallower drag rise slope for the tunnel data is based on 
evaluation of early wind tunnel data, with an insufficient number of wing sweep angles, up to 0.95M. 
The drag rise fairing between 0.95M and 1.1M was estimated since no wind tunnel data were obtained over 
this Mach range. Analysis of later wind tunnel data, covering the full range of wing sweep angles, indi- 
cate good correlation with flight measured drag at O.95M (within ten drag counts - 3^) as shown in 
Figure 20. The supersonic comparison shows slightly lower airplane drag compared to wind tunnel estimates 
in the low supersonic Mach range and greater airplane drag in the mid to high supersonic Mach range. 
The flight data do not collaborate the wind tunnel supersonic decreane in n.inlmum drag with increasing 
Mach number. Although the characteristic wind tunnel decrease in supersonic minimum drag with Mach number 
has not been substantiated on most U. S. Navy supersonic airplane (F-U, A-5, F-111B), the quality and 
quantity of flight data from these aircraft has not been sufficient to conclusively establish this 
difference. The reasons for the divergence between flight and wind tunnel minimum supersonic drag is 
currently unknown and requires detail Investigation by the aerodynamlcist. 

5.3 Induced Drag Characteristics 

Figure 21 shows the flight/wind tunnel comparison for those drag polars presented in Figure 19. The 
wind tunnel polar minimum drag levels are adjusted to be coincident with the flight polars at minimum 
drag for the 0.95M, 1.2M and 2.0M polars because of the difference between flight and wind tunnel minimum 
drag discussed in Section 5.2. The flight induced drag characteristics are slightly degraded over the 
wind tunnel at all wing sweep angles and Mach numbers except at 1.2M. A contributing factor in this 
difference Is an Increase in the amount of airplane trim stabilizer required for zero pitching moment 
over the wind tunnel model. Retrlmming of the model data based on flight trimmed stabilizer settings 
result In close agreement between flight and wind tunnel model Induced drag characteristics. This process, 
however, compromises the good agreement between flight and wind tunnel trimmed lift versus angle of attack. 
Resolution of this item Is awaiting measurement of flight stabilizer loads in an attempt to isolate any 
differences between airplane and model wing-body lift and stability or stabilizer effectiveness. 

S»1* External Store Drag 

Figures 22 and 23 present the flight/wind tunnel external store drag comparison for the Hioenix 
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missile loading described in Section 2.1.  The wind tunnel procedure for determining the drag of external 
stores is tn measure the incremental drag increase over the baseline or reference model configuration at 
a single stabilizer incidence angle (usually 0°). This increment, uncorrected for scale effects, is then 
applied directly to the final adjusted, trimmed wind tunnel model drag level to determine the combined 
airplane/store drag level.  In the store drag comparison of ■Figures ?? ajid ?3, this same procedure is 
followed in that the wind tunnel store drag increment is applied directly to the baseline configuration to 
predict total airplane/store drag. 

Figure 22 shows the flight measured total airplane/store drag at 0.7M as compared to the baseline 
drag level of Figures 17 and 19 and baseline plus wind tunnel store drag increment. This comparison is 
made at a common CG position for both loadings to eliminate any differences caused by trim effects. The 
comparison of Figure 22 shows exact agreement between wind tunnel and flight store drag increment between 
the lift coefficient range 0 to 0.6. Above 0.6 CL the flight data show a slightly higher store drag 
increment than that predicted by the wind tunnel. 

Figure 23 makes the same comparison in airplane minimum drag over the Mach range from subsonic to 
mid supersonic based on the flight baseline drag data of Figure 18. Again the subsonic and supersonic 
Hioenix store drag increment Is in excellent agreement with the wind tunnel increment. 
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5.5    High-Lift Configuration Drag 
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Figure 2k presents the  flight/wind tunnel drag comparison for the landing approach configuration with 
flaps and slats deflected and with lauding gear and speed brakes extended.    The flight data show 

llent agreement with the wind tunnel estimate  (within 1%) over the lift coefficient range tested. 
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5.6    Incremental Drag due to Nozzle Configuration 
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Nozzle Configuration Drag 

Initial wind tunnel tests with a 1/20 scale nose supported,  single balance propulsion model indicated 
little difference between nozzle  "closed"  (cruise and IRT operation) and nozzle  "open"  (AB operation) 
boattall drag.    Subsequent tests with the 1/12 scale blade supported,  twin balance  (backend and nozzles) 
propulsion model discussed in Section 2.k resulted in a considerable Increase in "closed" nozzle inter- 
ference drag at model test Reynolds numbers.    Prior to this program,  flight  investigations of the effect 
of boattall nozzle drag in the United States have indicated a beneficial effect on nozzle drag with in- 
creasing Reynolds number.    Therefore,   the higher "closed" nozzle interference drag was not incorporated 
in the in-flight thrust calculation procedure.    However,  initial flight drag data calculated from quasi 
steady-state test maneuvers with nozzle  "closed"  (IRT climbs,  accelerations,  etc) and nozzle "open"   (AB 
accelerations) would not generalize.  Indicating an improper accounting for nozzle open/closed interference 
drag.    The nozzle  "open" drag data consistently Indicated a lower drag level.     Incorporation of the up- 
dated wind tunnel Increments for  "closed" nozzle Interference drag did generalize the in-flight drag 
measurement as shown in Figure  1?.    Figure 25 reflects the nozzle drag increment between "open" and 
"closed" nozzle operation through calculation of in-flight drag from steady-state test data using the 
original (same as nozzle  "open") and revised cruise 
nozzle interference drag Increments derived from 
wind tunnel tests. 

5-7    Subsonic Skin Friction Drag Correction 

The wind tunnel and flight boundary layer skin 
friction drag corrections were computed from the 
summation of the individual skin friction drag 
corrections for each airplane component  (i.e., wing, 
fuselage,  tall, etc.).    The individual corrections 
were accomplished by traversing from the test 
Reynolds number to the reference condition Reynolds 
number (10,668 m, 35,000 ft) parallel to the iso- 
lated flat plate skin friction drag,  for the fully 
turbulent incompressible case, as defined by 
Sohlictlng.    Corrections for the effect of compress- 
ibility on skin friction drag were also incorpo- 
rated.    This method assumes a constant pressure or 
form drag variation with Reynolds number. 

The validity of this procedure is verified in 
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figure 26    Subsonic Equivalent Skin Friction Drag 
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Figure 26,  at least for the  flight  data Reynolds  number range.     The test  data of Figure l6 for the 
No.   8 airplane, uncorrected for the  Reynolds  number effect on skin friction drag,   cluster about  the slope 
of the boundary layer skin friction drag variation with Reynolds number as defined by Schlicting.    Prior 
to making this correction, the flight  drag data would not generalize with altitude.    The characteriiitic 
length for the full scale and model Reynolds number calculation of Figure 26 was based on a wetted area 
weighted average of the characteristic lengths of the individual airplane components. 

Agreement between the estimated wind tunnel and full scale airplane drag levels,  as discussed in 
Section 5.2,  implies that the skin friction drag correction from wind tunnel to flight is also valid as 
shown in Figure 26.    This conclusion is valid only if all other adjustments  from wind tunnel to full scale 
are correct.    Otherwise,  any inaccuracies in these corrections could be masked by an equivalent error in 
the skin friction drag correction. 

6.     CONCLUSIONS 

The inadequacies of airplane drag measurements by conventional techniques hav» been significantly 
improved.    New techniques for in-flight engine thrust measurement;  coupled with improved instrumentation 
accuracies, utilization of sensitive body axes accelerometers for evaluation of excess thrust and develop- 
ment of dynamic test methods,  have produced drag data quantity,  accuracy and repeatability not heretofore 
achievable.    Random data scatter for  steady-state test maneuvers  is + 1% and for quasi steady-state and 
dynamic test maneuvers is approximately + 2% to + k% depending on Mach number.    Drag determination from 
quasi steady-state and dynamic test maneuvers has resulted in a significant reduction in the amount of 
flight time required for aircraft drag evaluation.    Dynamic test maneuvers have allowed assessment of in- 
duced drag characteristics to angles  of attack not attainable by conventional test methods. 

Comparison of in-flight measured airplane drag with predicted full scale drag from wind tunnel 
analyses has resulted in the following conclusions: 

a.    Good to excellent agreement exists in subsonic minimum drag,  drag rise Mach number,  drag rise 
slope, external store drag increment   (for the loading Investigated) and high-lift configuration drag. 

sonic drag. 
b.    Unexplained differences exist between airplane and wind tunnel estimates for minimum super- 

c. The airplane induced drag characteristics are slightly degraded over wind tunnel estimates 
at most Mach numbers.    This difference is caused by an increase in the amount of airplane trim stabilizer 
required for zero pitching moment over the wind tunnel model. 

d. The flight incremental drag due to nozzle configuration changes agrees with model measure- 
ments at wind tunnel test Reynolds numbers.    No decrease in nozzle boattail drag at flight Reynolds 
numbers was observed. 

e. Subsonic skin friction drag corrections as a function of Reynolds number are verified. 
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SUMMARY 

The NASA Flight Research Center has conducted in-flight studies of the overall and local components of drag 
of many types of aircraft. The primary goal of these studies was to evaluate wind-tunnel and semiempirical pre- 
diction methods. Some evaluations are presented in this paper which may be summarized by the following obser- 
vations: 

Wind-tunnel predictions of overall vehicle drag can be accurately extrapolated to flight Reynolds numbers, 
provided that the base drag is removed and that the boattail areas on the vehicle are small. 

The addition of ablated roughness to lifting body configurations causes larger losses in performance and 
stability than would be expected from the added friction drag due to the roughness. 

Successful measurements of skin friction have been ma ie in flight to Mach numbers above 4. 

A reliable inflatable deceleration device was demonstrated in flight which effectively stabilizes and deceler- 
ates a lifting aircraft at supersonic speeds. 

NOTATION 

A 

CD 

Cf 

cross-sectional area 

drag coefficient 

local skin friction coefficient 

pitching moment coefficient 

total pressure coefficient 

d 

h 

L/D 

1 

M 

P 

R 

T 

a 

A 

diameter 

base thickness (where step height = h/2) 

lift-to-drag ratio 

length behind towing body 

Mach number 

static pressure 

Reynolds number based on appropriate body or test fixture length 

absolute temperature 

angle of attack 

increment 

boundary-layer momentum thickness 

absolute viscosity 

Subscripts: 

A maximum cross-sectioual area 

b base 

i incompressible 

1 local 
1 Research Engineer, Performance Aerodynamics 
'Research Engineer, Supervisor, Performance Aerodynamics Branch 
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mm minimum 

r equilibrium 

w wall 

0 boattail 

0 zero lift conditions 

Superscript: 

( )' based on reference temperature method from references 1 and 2. 

1.   INTRODUCTION 

The designers of modern aircraft depend on wind-tunnel-model data for estimating the performance of full- 
L scale vehicles.   The accuracy of the wind-tunnel results depends on the accuracy with which the geometry of the 
^ model, the support system, and the quality of the flow around the model simulate the full-scale flight flow condi- 

tions.   The knowledge required to provide an accurate flight vehicle simulation in the wind tunnel has been 
acquired from many previous comparisons of wind-tunnel and flight data. 

The NASA Flight Research Center has made such comparisons for a wide variety of configurations, including 
t lifting bodies, supersonic and hypersonic airplanes, and military aircraft.   Drag results from such vehicles are 

compared in this paper to corresponding wind-tunnel-model results or semiempirical predictions, or both, from 
7 8 subsonic Mach numbers to Mach numbers of above 4 and for flight Reynolds numbers between 10   and 10 . 

These vehicle drag results can be separated into various components such as forebody drag and base drag. 
Consideration is given here to the methods of determining skin friction in flight, the effects of the ablation type of 
roughness, and the possibility of reducing base drag.   In addition to the drag caused by different vehicle com- 
ponents, some discussion is included about the drag of large external stores and that of an inflatable towed 
decelerator. 

2.   VEHICLE DRAG CHARACTERISTICS 

2.1 Wetted-area forebody drag 

The usual flat-plate turbulent-boundary-layer extrapolation of zero lift drag from model to full-scale Reynolds 
numbers was adequate for simple, rigid configurations at subsonic and supersonic speeds.   An example for each 
of these speed regions is shown in figure 1, which presents the zero lift drag coefficient for the YF-102 airplane 
(ref. 3) and the X-15 airplane (ref. 4) as a function of Reynolds number.   The Ka'rma'n-Schoenherr variation of 
friction with Reynolds number (ref. 1) was used for this extrapolation, and the T' method was used to account 
for compressibility effects (refs. 1 and 2).   The absence of variable geometry inlets and complicated jet exhausts, 
plus the rigidity of these configurations, made the simulation task relatively easy, resulting in very good agree- 
ment between the predictions and the full-scale flight results.   However, the base area of the X-15 is large, so 
its base drag is a large percentage of the overall vehicle drag.   Because the X-15 wind-tunnel base pressures 
did not agree with the flight base pressure measurements, an extrapolation of the X-15    Cn      was not successful 

u0 
until the base drag was subtracted from both the flight and wind-tunnel results.   In addition, it was fortunate 
that the boattail areas on each of these vehicles was a small part of their total wetted areas, because this minimized 
the problems associated with the simulation of the flow over the boattail area.   For aircraft with a large boattail 
angle or a large boattail area, or both, this method of extrapolation is not successful because of the inability to 
simulate the location of flow separation over these types of afterbody surfaces. 

The M2-F3 lifting body vehicle shown in figure 2 is a good example of this problem.   The configuration has a 
large boattail area with relatively large boattail angles.   When the same extrapolation procedure that was applied 
to the YF-102 is applied to the M2-F3 (upper portion of fig. 3), the wind-tunnel results appear to agree with the 
forebody drag level at the flight Reynolds number.   However, the wind-tunnel-model base drag values did not 
simulate the flight base drag values, and the M2-F3 base area is quite large.   Therefore, if the comparison is 
made with the base drag subtracted (lower portion of fig. 3), as was done with the X-15, there ocurs a disagree- 
ment of approximately 15 percent between the extrapolated drag level and the flight results.   It is believed that 
this discrepancy is due to the difference in location of flow separation on the full-scale and model boattail areas. 

It would be expected in figure 3 that the model boundary layer wouW.be disproportionately thick because of 
the lower model Reynolds numbers.   Separation would, therefore, occur at a different location over the boattail 
region than on the full-scale vehicle.   In addition, model support and wall reflection effects are likely to modify 
the pressure over the aft sloping surfaces. 

In a more recent comparison, some combination of the above factors also prevented adequate flow simulation 
over the fuselage afterbody.   In this case a supercritical wing mounted on an F-8 fuselage was tested both in 
flight and in wind-tunnel facilities.  A photograph of the F-8 airplane (fig. 4) shows that the boattail angles of 
the fuselage are relatively small.  However, the large ratio of the model compared to the wind-tunnel test section 
and the model sting support influenced the boattail and base pressures of the model.   These interference effects 
appear in the values for the F-8 fuselage base and boattail drag presented in figure 5 as the differences between 
the wind-tunnel predictions and the flight-measured data.  Note that these differences are apparent at both the 
lower subsonic speeds as well as transonic speeds near   M = 1, where some differences would be expected. 

The supercritical wing is a concept to delay the drag rise Mach number of transport configurations.  Wind- 
tunnel tests of this wing applied to a transport configuration indicated a significant increase in the drag rise 



Mach number compared with conventional transport configurations (refs. 5 and 6).   To verify these results in s-   'z 
flight, a supercritical wing was carefully blended to the F-8 fuselage, as illustrated in figure 4.   Although this       ^.5 '2 
configuration was not the optimum transonic transport design due to its relatively low fineness ratio, non-area- 
ruled fuselage, and smaller scale, the drag rise Mach number was significantly higher than exhibited by present 
day transports.  The wind-tunnel drag rise Mach number was verified by the flight tests, the difference between 
the two sources being less than 0.01 Mach number.   In addition, when the base and boattail drag differences 
(discussed previously) were subtracted from the flight and wind-tunnel results, the wetted-area forebody drag 
measured in flight at the design conditions agreed within 5 percent of the wind-tunnel predictions. 

2.2 Base drag 

The previous discussion of wetted-area forebody drag indicated that base drag is one of the major factors to 
be taken into account in the extrapolation of wind-tunnel performance data.   The relative importance of an ade- 
quate simulation of base drag in wind-tunnel tests is particularly evident in cases where the base drag is a large 
portion of the overall drag, as shown in the examples in figure 6.   The base drag for hypersonic and reentry con- 
figurations such as the X-15, HL-10 (ref. 7) , and M2-F3 can constitute from 35 percent to as much as ^ percent 
of the overall vehicle drag.   These results suggest that the different means of supporting wind-tunnel models or 
improved methods of predicting base pressure will be needed before accurate estimates of base drag can be 
obtained by the designer for development of new configurations. 

Base drag also occurs on the aft-facing steps of lap joints, and in the shingle type of construction, which has 
been proposed for use in future airplanes that have hot surfaces.   Prediction methods for this type of drag were 
adequate for subsonic and low supersonic speeds when the effects of boundary-layer thickness were included.   An 
example is the aft-facing step that was installed 15 meters aftof the wing leading edge of the XB-70 airplane as 
shown in figure 7.  The results of an experiment using this step (ref. 8) are presented in figure 8 in terms of 
the ratio of base pressure to ambient pressure as a function of the ratio of momentum thickness to step height. 
These data indicate some deficiencies in the prediction methods for Mach numbers above 2.   The predicted 
curves were established from the wind-tunnel results of Hastings and Chapman (refs. 9 and 10).   Note that the 
predictions for   M = 2.0   and 2.4 underestimate the drag for momentum-thickness-to-step-height ratios near 1, 
that is, for a relatively thick boundary layer.   This suggests that for the larger and faster aircraft of the future 
the prediction discrepancy may be even larger. 

For certain applications, there are a number of devices such as base bleed, boattailing, trailing disks, 
splitter plates, and vented cavities that show promise for reducing base drag at subsonic speeds.   Typical of 
such devices are the splitter plate (ref. 11) and the vented cavity illustrated in figure 9.   To evaluate the effec- 
tiveness of these two configurations, a special fin-like test fixture was installed and tested on an F-104 airplane. 
The results of this study (fig. 10) show that both devices reduce base drag by 35 to 40 percent at high subsortic 
Mach numbers.  At low Mach numbers, the splitter plate effectiveness remains above 30 percent, whereas the 
vented cavity is only about half as effective. 

2.3 Skin friction 

Friction drag has been determined in flight by various means at the Flight Research Center, including use 
of force balances, Preston probes (refs. 12 and 13), and the Clauser-type determination, which is applied to 
boundary-layer-rake and traversing-probe data.   In addition, a swinging wake probe is being developed for 
determining airfoil section drag coefficients. 

A commercially available force balance with a special cooling jacket was used to successfully measure skin 
friction on the X-15 airplane at Mach numbers above 4.   Flight results with this balance are compared in 
figure 11 with data from several other balance devices used in wind-tunnel tests (ref. 14).   The wind-tunnel 
data were obtained at essentially equilibrium wall temperatures,    T   /T   *1.0.   The flight values represent 

wall recovery temperature ratios from 0.5 to 1.25. The flight and wind-tunnel results generally agree with the 
compressibility effects predicted by the Sommer and Short T' relationship (ref. 2). However, the wall temper- 
ature effects measured in flight appear to be less than estimated. 

The Clauser-type determination for estimating skin friction (refs. 15 and 16) has been used in flight with 
encouraging results.   These data were transformed to incompressible conditions by using the charts in 
reference 16.   Typical flight results from references 17 and 18 for Mach numbers from 0.5 to 2.1 are shown in 
figure 12 along with the Ka'rman-Schoenherr relationship (ref. 1) for turbulent flow over a flat plate.   These data, 
which represent relatively low pressure gradient flow, agree well with the Karma'n-Schoenherr relationship when 
transformed by the T' method to incompressible conditions.   Also shown in figure 12 is a photograph of the 
traversing probe. 

Another device which has been developed and flight checked recently is a swinging wake probe.   This 
compact unit is shown in figure 13 with and without an aerodynamic fairing cover.   Note in the uncovered view 
that the two transducers and the angular position sensor are all nested close to the motor and drive mechanism. 
The lightweight mechanism (1450 grams, including the fairing cover) permits easy and safe installation even 
near relatively thin wingtips. 

Two profiles obtained with this device are shown in figure 13, one for attached flow and one for a separated 
boundary layer.  These profiles were obtained with a probe travel rate of approximately 2 centimeters per second. 
Profiles such as these make possible the computation of the section drag coefficients.   These examples demonstrate 
that well-defined profiles can be obtained with a compact and lightweight device. 

2.4  Effect of ablated roughness 

The marginal lift-drag ratio experienced during flight with the lifting body configurations indicated a need 
to assess the aerodynamic effects of rough ablated surfaces that would be likely to develop during reentry.   Thus. 
as part of the X-24A lifting body aerodynamics study, the full-scale vehicle was tested with a sand coating in the 
full-scale wind tunnel at the NASA Ames Research Center.   This coating was intended to simulate an actual 
ablated surface observed on a related unmanned subscale test vehicle that had been previously subjected to 
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heating during reentry into the earth's atmosphere.   Photographs of selected areas of this ablated surface are 
compared in figure 14 to the simulated sand coating on the X-24A vehicle as tested in the full-scale wind tunnel. 
The simulation was intended to be of the first order so that any significant effects of the roughness could be noted. 

Some of the force results obtained from the full-scale tests of the X-24A (ref. 19) are compared in figure 15 
with wind-tunnel force results obtained on the related subscale vehicle.  The most interesting results in this 
figure are the 20- to 30-percent losses in lift-to-drag ratio which were caused by the addition of roughness to 
the vehicle surface.   These losses in lift-to-drag ratio are much greater than would be expected from the 
increased skin friction drag due to the roughness.   It is believed that these large losses in performance were 
caused by a significant increase in separated flow over the aft sloping regions of the vehicles.   This was verified 
by the presence of tufts on the X-24A vehicle surface.   This conclusion is also substantiated by the noticeable 
loss in longitudinal stability for both vehicles when the roughened surface results are compared to the smooth 
surface results. 

These significant losses in performance and stability were not anticipated. Designers of future low perform- 
ance vehicles with ablated surfaces should be aware that the predicted increase in friction drag due to roughness 
may be only a small part of the actual roughness effects experienced by the vehicle. 

3. EXTERNAL STORE DRAG 

Although the Flight Research Center has not often evaluated external stores, the external fuel tanks used on 
the X-15 (ref. 20) to expand its performance capability were of special interest because of their large size.   The 
cross-sectional area of the two tanks, as shown in figure 16, was 60 percent of the maximum cross-secticnal 
area of the basic airplane.   Because of the placement of the stores as shown in the photograph, significant 
interference drag was expected.   For the Mach number range of these tests (1.6 to 2.3) the store drag was 
70 percent of the basic airplane drag.   A prediction of the store drag increment, which was composed of the 
several drag components without accounting for interference, indicated a store drag increment of 68 percent. 
Thus , in spite of the large size of these stores, supersonic interference drag appears to be negligible for cylin- 
drical shapes close to and parallel with the primary vehicle. 

4. INFLATABLE TOWED HIGH-SPEED DECELERATOR 

The NASA Flight Research Center often conducts research on new unconventional aircraft.   Therefore, it 
became desirable to flight qualify a drogue chute device which could rapidly decelerate or stabilize these 
unconventional vehicles, or both, if a problem arose.   Although other drogue chutes and specialized parachutes 
are available for decelerating and stabilizing vehicles at subsonic speeds, a reliable supersonic decelerator had 
not been tested in the wake of a jet airplane. 

Therefore, when an inflatable towed decelerator for supersonic and subsonic applications became available 
(fig. 17) , it was flight tested in the asymmetric wake of an F-104 airplane.   The drag results obtained from this 
decelerator are compared in figure 18 with wind-tunnel results for a solid model of the same geometry which was 
in the wake of a symmetrical body (ref. 21).   Included also are the results from free-flight studies of an inflatable 
decelerator similar to the one used behind the F-104 but tested in the wake of a symmetrical body (ref .22). 

In the presence of the F-104 wake, the supersonic drag coefficient of the decelerator (based on the decelerator 
cross-sectional area) was near 1.0, whereas the results for symmetrical wakes generated by bodies of revolution 
showed higher supersonic drag.   It is not known for certain whether these differences in drag are associated with 
the different types of wakes. 

The stability of the decelerator in the asymmetric wake of the F-104 was excellent, although slight amounts 
of intermittent coning of the tow line and decelerator and some intermittent spinning were present.  However, the 
presence of the coning and spinning did not deteriorate the performance of the decelerator. 

5. CONCLUDING REMARKS 

This paper presents a brief discussion of some of the studies of aircraft performance being conducted at the 
NASA Flight Research Center and includes a comparison of drag results from flight with those from wind-tunnel 
and semiempirical predictions.   The following conclusions may be drawn from these studies: 

Wind-tunnel predictions of vehicle overall drag can be accurately extrapolated to flight Reynolds nr.mbers, 
provided that the base drag is removed and the boattail areas on the vehicle are small.  This suggests that a need 
exists for a more reliable means of predicting drag for the base and boattail regions.   This could be accomplished 
by improving the support system in the wind tunnel, reducing the interference from wall reflection effects, or by 
developing more realistic empirical formulas.   This type of improvement will be especia ly important to the • 
development of future aircraft such as hypersonic and reentry vehicles, which may be characterized by large 
boattail areas or blunt bases, or both. 

The boattail regions are also cause for concern when the forebody is coated with ablated roughness.  The addi- 
tion of ablated surface roughness to lifting body configurations caused a larger loss in performance and stability 
than would be expected from the added friction drag caused by the roughness.  The designer of future reentry 
vehicles should anticipate the boattail areas of the vehicle to have separated flow when subjected to ablated rough- 
ness. 

Successful measurements of skin friction have been made on aircraft in flight to Mach numbers above 4. 

A reliable inflatable deceleration device which effectively stabilizes and decelerates lifting aircraft has been 
demonstrated in flight at supersonic speeds. 

0 
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Figure 1.   Comparison of extrapolated wind-tunnel-model drag coefficients with full-scale flight results. 

Figure 2.   Side view of the IV12-F3 lifting body vehicle. 

o    Flight, full scale 

o    Model, subscale 

 -Extrapolation of model results 
(refs land2) 

i 

.10 

M2-F3 

.09 

\\ 

.08 

M2-F3 

.07 

.06 

^^ 
M2-F3 M=0.8 

J L_J 
2 3       4     5x10' 

R 

Figure 3.   Comparison of M2-F3 lifting body model and flight drag with and without base drag. 
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Figure 4.   A supercritical wing adapted to the F-8 airplane. 
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Figure 5.   Fuselage base and boattail drag measured Figure 6.  Ratio of base drag to minimum drag, 
on the F-8 supercritical wing airplane compared to Flight data, 
wind-tunnel results. 
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Figure 7.   Aft-facing step experiment located on the wing of the XB-70 airplane. 
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Figure 8.   Base pressure ratio as a function of the ratio of momentum thickness to step height. 
From flight data and as predicted. 

Rear view of test fixture with alternate 
base reduction devices 

Figure 9.   The test fixture used in the base drag reduction experiment and its installation under the 
fuselage of the F-104 airplane. 
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Figure 10.  The reduction of base drag on the 
F-104 test fixture using a splitter plate and a 
vented cavity. 
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Figure 11.   Normalized local skin friction coefficient 
from the X-15 airplane compared with wind-tunnel 
measurements and predictions. 

f 

V 

C'f 

.006 

.004 

.002 - 

.001 

Airplane M. 

o Traversing probe I   A5A o. 5 to 1.7 (ref. 17) 

a Rake 

A Rake Mirage IV       1.8to 2. Href. 18) 

-Ka'rma'n-Schoenherr 
relationship (ref. 1) 

 I I  
3   4 10 20x10' 

Figure 12.  Local skin friction coefficients obtained in flight by the Clauser method, and the traversing 
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Figure 13.   Swinging probe hardware and its inslallation on the trailing edge of a wing with some 
typical flight-measured profiles. 
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Figure 14.   The actual ablated surface obtained from a reentiy vehicle compared with a simulaton 
by sand roughness. 
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Figure 15.   The effect of an ablated surface on the aerodynamic characteristics of two lifting body 
vehicles as determined from wind-tunnel tests. 
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Figure 17.   F-104 airplane towing a high-speed inflatable decelerator. 
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Figure 18.  Drag coefficient of a high-speed decelerator towed within symmetric and asymmetric wakes. 
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SUMMARY 

The aeroballlstio ooeffloients of bodies of revolution are needed for the matheiBatical aodelling of their 
trajectories.   The most significant coefficient required is zero yaw drag and the accuracy required is 
about 0.59f for a perfect trajectory model, compared with about 5^ for lift ani overturning moment. 

Lift, drag and overturning moment were measured over a range of yaw angles on two sting lengths in a 2,14- m 
x 2.7 m transonic wind tunnel. There was a msrked difference in the measured drag values for these stings 
ani a further investigation was made with five sting lengths. 

Prom these tests an empirical correction fcr the support system was derived which agreed well with a 
subsonic theoretical estimate.    At speeds above Mach 1.0 the Irregularity of the tunnel axial pressure 
distribution dominated the effects due to the  support system and a combined correction was derived.    It 
was found that the difference in measured values after correction ma very much less than before, over the 
whole Mach number range,  thus supporting the oorrection prooedire applied. 

A statistical analysis of the residual coefficient errors has been summarized for the subsonic and 
transonic speed regions.    The transonic percentage errors were generally less than the subsonic values, 
due to the larger coefficient values measured. 

NOTATION 

CD 
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uLo 
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Drag coefficient = Drag/gpV'd' 

Zero yaw drag coefficient 

Base drag coefficient 

CDai       Yaw drag coefficient 

Lift slope coefficient 

Overturning moment slope coefficient 

Maximum body diameter 

Base diameter 

1 

M 

V 

a 

ÜC 

AC 

pb 

Pf 

Length of parallel sting aft of model base 

Mach number 

Velocity 

Yaw angle 

Incremental base pressure coefficient 

Incremental forebody pressure coefficient 

Density 

1. INTRODUCTION 

To date the meet oonwon means of studying the behaviour of free trajectory shells and missiles has been the 
ballistic range.    Conversely to the wind tunnel this is a very accurate method for drag estimation but not 
so suitable for yaw forces and moments.    It is however costly -.d  time consuming and it is hoped that wind 
tunnels will be used increasingly for the determimtlon of shell aerodynamics.   Almost all the necessary 
parameters can be measured quickly and economically.    The purpose of the tests discussed here was to check 
the accuracy of the wind tunnel measurement of the major static  coefficients with particular emphasis on 
the drag function and to assess whether such a facility, bactod up by empirical correction techniques, 
would be able to provide data with errors reduced to an admissible level for use in mathematical trajectory 
models able to aooomnodate inaocuracles of a few percent by fitting to a limited number of real fIritis. 
The aeroballistlos of the  shell chosen for the tests have already been wall established from US tunnel ani 
range firings thus providing the  study with a set of data for comparison. 

2. REVIEW OP COEPPICIENT ERRORS PROM MODERN FACILITIES 

Operators of large modern wind tunnels  claim that the repeatability of lift, drag and overturning moment 
measurements of a non-spinning projectile shape Is probably better than 14 and with very good equipment 
may be as high as 0.1$.    Hence the problem Is not that of obtaining the required accuracy of instrumentation 
but of relating the wind tunnel measurements to full scale.   This requires an extensive knowledge of the 
effect of Reynolds number, spin, model support and knowledge of the geometric shape of the shell after 
firing with the driving band engraved.    The likely errors due tc these effects are discussed below. 

* Senior Scientific Officer *• Scientific Officer 
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2.1 Reynolds number 

In general, wind tunnel tests are undertaken at Reynolds numbers significantly less than full soale although 
It la possible by use of large tunnels to test projeotlles at full soale Reynolds numbers.    However,  the 
discrepancy between model and full soale is not likely to have a significant effect on the lift, overturning 
moment and forebody drag provided the boundary layer Is artificially tripped such that turbulence occurs 
in a similar position to natural turbulence on the full size projectile in free flight.    Most practical 
projectiles have a number of protruberanoes close to the nose which are likely to trip the boundary layer 
and for practical purposes the turbulent boundary layer may be assumed to start fi-om the nose. 

Skin friction does depend upon the value of Reynolds number but this dependenoe is well documented and 
since the skin friction is only about 1C$ of the total drag the small difference in skin friction between 
the model and full soale may be estimated within the required accuracy. 

The base drag, which for a cylindrical afterbody may account for aa much as 50$ of the total drag, also 
depends upon Reynolds number and whilst there is ample data In the literature that may be used to correct 
for the effect of these differences at supersonic speeds it is doubtful If there ie sufficient data at 
transonic Mach numbers to make the correction within the required accuracy. 

2.2 Spin 

Within the limits of experimental accuracy, balance measurements made with spinning models show that there 
Is no discernible effect on lift and overturning moment. Thus these parameters may be obtained without 
spinning the model. However spark range studies carried out by Schmidt and Murphy (l) have shown 
variations of as much as 5£ in the drag coeffloient over the range of spin/velocity ratio encountered in 
the real environment. They ascribed this as being due to a rearward movement of transition with increasing 
spin which had the effect of decreasing the skin friction while increasing the base drag. These tests were 
for free transition, however if transition Is fixed or occurs at the nose then the effect is likely to be 
smaller. The authors are not aware of any extensive data to confidently say that the consequent effect may 
be ignored or estimated, although it is thought that the error Is likely to be around rjf for a cylindrical 
afterbody at moderate supersonic speeds. 

2.3 Sting support 

The standard method of supporting a model projectile In a wind tunnel la with a sting support.    This 
support does not have an appreciable effect on measurements of lift and overturning moment but It does affect 
the base drag.    The error introduced by the sting at M>2 was investigated by Held and Hastings (2).    Their 
experimental results showed that the base pressure with a sting is within 2% of the base pressure without 
a sting provided the sting diameter is less than 35^ of the body diameter and also that any abrupt increase 
in size is located more than three body diameters downstream of the base. 

2.4 Driving band 

The driving band drag may be a significant part of the total drag. Although Its presence probably reduces 
the base drag it is estimated that the overall effect is to enhance the total drag by about 1$. Thus, for 
drag measurements at least, the shape of the driving band after engraving must be reproduced. However, 
since the contribution Is only 4^, the driving band probably need not be copied with high precision. 

In summary there is little doubt that the lift and overturning moment results obtained from the tunnels are 
well within the accuracies required by the mathematical model (say 5 to 10£). The corrections which can be 
made for the above errors (and which mostly affect the base drag) really relate only to the supersonic 
region due to the data available. At the transonic Mach numbers there is insufficient data to make such 
reliable corrections particularly for the Reynolds number and sting effects. It was for this reason that 
the current study was carried out to estimate the residual errors in the static aerodynamic parameters at 
subsonio and transonic speeds. The evaluation was made for the tunnels at the Aircraft Research Association 
(ÄRA) which were selected as being bast equipped for the study. 

3.  rai) TUKNELS 

The facilities used were the 2.4 m x 2.7 m transonic and the 0.68 m x 0.76 m supersonic tunnels both of 
which are of the closed circuit, continuously operating type.    Besides having smooth flow charaoterlstlos, 
they are well calibrated, and operate with good data acquisition equipment.    (Mach number errors for the 
models tested were quoted as 0,25,^).    The tests were made on full scale and twice full scale unspun models 
in the supersonic (Mach 2.0 and 2.5) and transonic (Mach 0.5 to 1.4) speed ranges respeotively (comprising 
fifteen Mach numbers in all).    Tests were carried out both for constant Reynolds number conditions(l.2 x 
10T and 0.6 x 10T based on model length in the transonic and supersonic tunnels respeotively) and also 
with a constant tunnel pressure of 76 cm of mercury in the transonic funnel, 
tests, which have been fully reported (3)  (4), «re summarized below. 

4.      MODEL AND TEST DETAILS 

The results of the tunnel 

Three configurations of the shell were tested each having a different driving band, one plain, one with 
streamwise engraving grooves,  and one with grooves inclined at 10   to the model axis, which for brevity 
will be referred to as the "plain", the "streamwise" and the "inclined" respeotively.    All surface finishes 
were made to simulate the rough turned finish of the actual shell and the two keyways on the forebody were 
represented by a groove around the full circumference to allow for the spin in flight. 

The sting to base diameter ratio was fixed at 35^ on the evidence of (2) (which showed the measured base 
pressure at Mach 2 to be the same with and without the sting) and the length of the parallel sting ahead 
of the tapered section was chosen as 2.27 hase diameters.    Since the sting to base diameter ratio was 
considered optimum and the length of parallel ating after the base adequate, it was hoped that the base 



pressures would be as olosa to the free flight values as It would he possible to predict.    The drag 
discussed in this paper la therefore the total drag measured by the balanoe even though the base of each 
of the transonic models was fully pressure plotted. 

The Aoenaphthene sublimation technique was used to determine the state of the boundary lay'ir.    At 
transonic speeds (where the Reynolds number was oomparable to that in free flight)   the boundary layer was 
seen to be naturally turbulent and consequently no correction was considered necessary.    For the super- 
sonic tests however it was found necessary to trip the boundary layer with a transition strip of ballotinl 
0.18 to 0.20 mm in height.    Schlieren photographs were taken in the supersonic tunnel and the yaw angle 
range was generally between — 20 .    Allowances were made for tunnel wall constraint, blockage and blockage 
buoyancy at transonic speeds.    Forces and moments were all referenced to the maximum body diameter. 

The aerodynamic forces and moments were measured for a set of yaw angles thought to give the best 
estimations (in the sense of minimum variance) of the four principal aeroballlstio coefficients at each 
Maoh number together with additional angles to guard against bias.    The yaw angle pattern used for the 
plain configuration,  (selected, for reasons described later, as the best for comparison with the US data) 
was much more extensive than those for the other two shells and Included a series of replicate measurements. 
The yaw angle pattern was the same at each Mach number in the transonic region on the assumption that every 
Mach number was equally important.    Also,  the order in which the replications of each yaw angle were set 
up was randomised at each Mach number so as to control any unknown factors which might influence the shell' s 
aerodynamic behaviour. 

AiU showed that the drag results obtained from the preliminaiy test programme (3) may have been affected 
by sting leakage which led to a programme of repeat measurements on the plain configuration in the subsonic 
Mach number region.    It was also found that the length of the original  (or standard) sting strongly 
influenced the measured drag on the shell in the transonic wind tunnel,  so the zero yaw measurements were 
repeated for the plain and streamwlse groove configurations mounted on an extended sting having a total 
parallel length of 5.7 hass diameters.    The Maoh numbers ohosen for the second test programme U) 
supplemented those in the earlier ARA study.    Some of the Mach numbers,  however,  duplicated those included 
previously,  so that the compatibility of the data sets ooold be checked. 

The decision to use the balance measured drag was strengthened to some extant by the base pressure measure- 
ments which showed that the base pressure near zero yaw on shells of this type is very unsteady due to the 
unstable nature of the flow separation over the periphery of the shell base.    This fluctuating base 
pressure is fundamental to the nature of the flow over this type of base and could be the source of small 
random variations in the measurements.    However,  it was considered that the filtered output of the axial 
force balanoe, which includes an integration of the fluctuating base pressures, is the most representative 
force to use. 

5.      COHEECTIOH PROCEDURE 

The oorreotions considered all related to errors in the measurement of the zero yaw drag coefficient due 
to the improper simulation of Reynolds number and spin and the presence of support interference.    Corrections 
for roughness variations were ruled out on the grounds that there is little data In the literature 
describing the effect, which In any case is assumed to be small for properly simulated surface finishes. 

Corrections for Reynolds number discrepancies between tunnel and full soala were applied to the early 
measurements to relate them to standard conditions at the muzzle.    These oorrectlons, which were for the 
skin friction and base drag components of the drag and obtained from well documented procedures (5), were 
found to be relatively small,  the root-mean-square or RMS values averaged over the subsonic and transonic 
speed regions being 1.25 and 0.38^ of the total measured drag respectively.    The procedure however is 
rather tenuous as there la no unique representation of the real shell environment.    In reality, as well as 
normal ground variations, there Is a family of atmospheric conditions each relating to the particular 
values of muzzle velocity and quadrant elevation pertaining to the shell trajectory.   On these grounds it 
was decided that no corrections should be applied. 

The shell spin represents another area In which the wind tunnel does not simulate the trajectory conditions 
where the shell spin rate and velocity degrade with time.    The empirical spin correction applied to the 
early shell-fixed measurements was taken as 1.1$ from (l) to represent the muzzle spin condition.    The small 
value of the correction has been substantiated by Sykes (6) who recently concluded a study at RARSE using 
spinning afterbodies.   Following these results and the tenuous nature of the oorreotlon it was decided 
that the procedure should not be adopted for the more recent tunnel results. 

The main correction applied to the drag measurements was for the effect of sting support interference 
whioh consists of two components, one due to the upstream pressure field caused by the sting, described 
as the "length effect" and the other due to the presence of the sting in the wake or the "diameter effect". 
No oorreotlon was applied for the latter mainly due to the laok of reliable data In the literature for 
transonic speeds.   However a series of tests were carried out in the  transonic tunnel using five different 
sting lengths to determine the length Interference.    At subsonic speeds the results agreed quite well with 
the approximate potential flow theory proposed by Tunnell (7) which predicts the variation of the incremental 
base pressure coeffioient ACpb with sting length.   Fig 1 shows that the theoretical and experimental 
pressure fields were best correlated with a sting flare of 7   compared with the actual value of 6.3 , a 
difference whioh might be explained by the boundary layer growth on the sting.    Owing to the asymptotic 
nature of the predicted sting length effect it was necessary to define a practical "Infinite sting" limit 
for ACpb«    A value of 0.001 was ohosen as it represented approximately 1^ of the minimum total drag 
measured at subsonic speeds.    It is seen that this value relates to a sting length of about 230 cm whioh 
would be quite impractical from the viewpoint of physical tunnel constraints and suggests that concepts 
of a "critical sting length" may be misleading. 

Cue to the presence of irregular pressure distributions in the working section at speeds above Mach 0.95 
the total interference factors for this speed region ware derivec. hy adding a forebody correction term 

^■3 
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ACpf (allowing for these variations from the Maoh number norm) to the theoretical estimate of iCpb due to 
the sting length effect on the base pressure.    This process is shown diagrammatioally in fig 2, and fig 3 
illustrates the good correlation aohieved for the balance measurements of the forebody drag (CD0 - C^) 
over the Mach number range considered. 

The correction factors that have been applied are tabulated in table 1 which shovm that the corrections 
to the subsonic base drag for the standard sting reduce from about 9^ to 53t of the total drag measured 
when it is replaced by the extended sting.    At supersonic speeds the base drag correction decreases while 
the forebody correction, applied to the extended sting only, becomes more significant.    It can also be 
seen that the difference in measurements for the two stings is significantly less after the corrections 
have been applied, which indicates the validity of the procedure used.    The final column in the table 
shows the significant differences in measured drag between tests carried out on separate occasions, which 
are thought to be due to the sting leakage effects described earlier.    Further experiments have been 
carried out by Sykes at RARDE on the effects of different base configurations on these corrections,  the 
results of which suggest that, in general, the theoretical pressure field can be adjusted to agree with 
the experiment for a given base shape and base to sting diameter ratio. 

The corrected and uncorreoted estimates of the zero yaw drag coefficient for the plain shell are shown in 
fig If together with the US data set.    The "ideal" coefficients were derived from the measured forces by 
standard curve fitting methods allowing for any bias error wherever possible.    Table 2 shows the percentage 
variations of the zero yaw drag of streamwise and inclined models from that of the plain configuration. 
It is seen that the zero spin drag variations are significant (particularly around Uaoh 1.0) and tend to 
refute the earlier estimate of i+;£ as the likely effect of the driving band presence.    However, this apart, 
it was felt that these variations would be significantly less in the real environment where the effect of 
the shell spin would be to make the driving band appear solid to the air flow thus tending to negate any 
perturbations due to design features within its external contour.   It was for this reason that the plain 
configuration, properly matching the shape of the driving band after engraving, was selected as the best 
representation. 

6.      COUPAHISON OP AHA DATA WITH US SET 

Fig k shows that the corrected tunnel zero yaw drag coefficient values agree very well with the US curve, 
thus lending confidence to the correction procedure applied.    The main exception to this good agreement 
lies in the Mach number range 1 to 1.U which includes the peak values of drag and where the effect of 
the correction is generally to enlarge the gap between the two sets of data.    However it is worth noting 
that relatively little is known about the source and construction of the US data, thus discrepancies 
between it and the wind tunnel results do not necessarily mean that the latter is poor. 

The tunnel values of the yaw drag coefficient were surprisingly less than half the corresponding US values. 
No obvious explanation can be given for this except to say that a value of Cpc* » 7.0/rad , derived from a 
model spark range at Uach 1.9,  is in closer agreement with the current wind tunnel results.    The tunnel 
measured lift coefficient showed the same good agreement with the US data as the zero yaw drag.   For the 
lower part of the Uach number range however the tunnel values were less than the US equivalents as were 
the values for the overturning moment coefficient. 

T.       ASSESSKENT OF THE WINS TUNNEL BHRORS 

The coefficient errors comprised those inherent in the tunnel tests themselves and those arising from 
scaling the tunnel tests to real conditions.    The former, wbioh were ascribed to Inaccuracies in 
instrumentation, the repeatability and regularity of the tunnel flow (referred to as the flow stability) 
and asymmetries between the flow and the model were determined to a 95% confidence limit whereas the 
scaling errors for drag and their correction (described earlier) were not.    Both types of error have been 
expressed as percentages of the total measured coefficient and are listed in table 3 for the subsonic and 
transonic speed regions.    BUS values of the component errors have been derived for those inaccuracy sources 
covered by a range of Uaoh number samples and these are tabulated together with the maximum deviation from 
the mean, the number of samples and the data points per sample. 

The accuracy of the instrumentation was derived from the resolution of the data acquisition equipment 
given in (3) by converting the absolute values to percentages of the measured ooeffloients.    This procedure 
yielded values of 1.2 and 0.kf> for the drag measurements in the subsonic and transonic speed regions.   The 
repeatability of the tunnel air flow in the working section was assessed from tests made under nominally 
Identical conditions but in whloh the model was disturbed between successive measurements.   Repeatability 
figures for drag of 0.7 and 0.83t were obtained for subsonic and truisonic speeds respectively.   Asymnetrles 
between the model and the tunnel air flow were assessed from the difference in the drag measurements 
obtained for model roll orientations of 0 and 180   during the samu test sequence.    These differences amounted 
to errors for the drag measurements of 1.7^ at subsonic speeds and 0,9% at transonic speeds. 

The major error In the measurement of drag was due to the sting support*    Although the semi-empirical 
corrections described earlier reduced the differences between measurements on the two stings there were 
still small differences remaining.    These differences were used to determine the residual errors in the 
drag coefficient, the RUS values of which were 2.4 and 2.0£ in the subsonic and transonic regions respectively. 

The lift and overturning moment coefficients are not affected by the scaling errors and consequently the 
total error in their measurement Is solely due to inaoouraoies in the tunnel.   The large model/tunnel flow 
asyrametiy errors in ClA shown in table 3 «re due, in some part, to the small values of the ooeffiolents 
associated with the modest range of yaw over whloh measurements were made for the model in the 0 and 1800 

roll orientations. 
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Although the tunnel drag measurements have only been oorreoted for the effects of sting length and 
irregularities in the working section pressure distributions, table 3 attempts to summarize the total 
errors corresponding to (l) a full scale unspun model, unoorreoted for Reynolds number or spin and (li) a 
similar model oorreoted to full scale ground conditions.    It is seen that the modest values of the total 
residual errors (around 2 to 3$)  assessed for the latter case are compatible with the accuracy requirement 
of the mathematical model for both subsonic and transonic speeds.   Indeed,  the percentage errors at 
transonic speeds, which were generally less than the subsonic values due to the larger coefficients 
measured, are about the same level as earlier supersonic estimates.    It must be emphasised however that 
the figures are optimistic as they do not include estimates for the component errors arising from sting 
diameter and roughness effects.    The authors are aware of little data in the literature for these error 
sources and time did not permit a study although Sykes has recently carried out some sting support tests 
at RAHDB using realistic shell models.    The results however are regarded aa both realistic and revealing 
as they Include evaluations of Inherent tunnel inaccuracies that are often assumed to be negligible. 

8.      CONCLUSIONS 

An assessment has been made of the inaccuracies associated with measurements on bodies of revolution in 
large modern wind tunnels in order to examine the possibility of obtaining the coefficients required by 
mathematical trajectory models without recourse to extensive full scale firings. 

A test progranse was carried out using the transonic and supersonic tunnels of the Aircraft Research 
Association in which lift, drag and overturning moment were measured on a shell model having three 
driving band configurations.    Although the lift and overturning nomant results were shown to meet the 
required accuracy, marked differences were observed in the measured drag values obtained at subsonic 
and transonic speeds when using sting supports having similar diameters but different lengths. 

An empirical correction for the support system was derived which agreed well with a subsonic theoretical 
estimate.    At speeds above Mach 1.0 the irregularity of the tunnel axial pressure distribution   dominated 
the effects due to the support system and a combined correction was derived.    It was found that the 
difference in measured values after correction was very much less than before, over the whole Itach number 
range,  thus supporting this technique. 

The measured zero yaw base pressures were found to be unsteady due to the unstable nature of the flow 
separation over the periphery of the shell base.    These fl actuations, which are probably fundamental to 
the nature of the flow over this type of base, war« thought to be a source of small random variations In 
the measurements. 

The oorreoted zero yaw drag coefficients «greed very well with an existing US set, thus lending confidence 
to the correction procedure applied. 

A statistical analysis of the total residual coefficient errors due to those Inherent in the tests 
themselves and those arising from the sting length effect yielded values of around 2 to 5$ which were 
thought to be compatible with the accuracy requirement of the ohosen mathematical model.    Percentage 
errors at transonic speeds were generally less than subsonic values due to the larger measured coefficients. 
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Tabl« 1     Corraotlon« applied for «ting »upport Interfefnoe 

Mach 
Number 

Corrections a; apliud Dlffersnee In 
Difference 
between 

original tests 
and reoent 

series 

Extended 
■ting 

Standard 
sting 

on the 
two stings 

Base 
drag 

Porebody 
drag 

Base 
drag 

Befor« 
oorreotion 

Aftsr 
oorreotion 

0.5 4.9 - 8.8 2.4 1.3 6.5 

0.7 if.8 - 9.0 6.3 2.5 7.7 

0.8 4.8 - 9.2 8.5 4.6 8.5 

0.85 4.6 - 9.1 10.1 5.9 - 

0.9 4.1 - 7.9 8.1 4.7 16.4 

0.95 2.8 - - - - 

1.0 2.9 1.1 4.9 6.8 3.3 

1.05 2.0 0.3 - - - 

1.1 0.9 3.5 1.1 0.1 2.8 

1.15 2.5 2.7 - - - 

1.3 1.4 4.1 2.2 2.3 1.2 

HB     The figures listed are expressed as percentages of the total measured drag for eaob Maoh number 

Table 2     The percentage variation of the zero yaw drag of the 
grooved driving band models from that of the plain nodeli 

Maoh Streanwiee Inclined 
Humber Grooves Grooves 

0.5 ♦ 2.0 + 0.7 

0.7 + 1.0 + 2.5 

0.8 -0.9 + 1.1 

0.9 + 3.3 + 4.4 

0.95 - 2.5 •f 1.0 

1.0 - 8.4 -6.3 

1.15 -4.1 - 2.8 

1.4 -5.0 - 1.0 

< 

-' 

■ 

1 
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Tabl« 3  Coefficient error» asaesaed from tho Treneonlc find TunJÄl .^Sä1-*.» 

■■ 

S                               Coefficient CDo CI,a 
CM„                 | 

ij                             Spaed Region Subsonic Transonic Subsonic Transonic Subsonic Transonic 

Unraprasentative 
Reynolds 

Number 

{       Mean 
RMS error 1.25 O.38 

| j     Mazifflum 
deviation 0.75 0.28 

i 

Number of 
1     samples 3/1 5/1 

Unspun 
Model 

Mean 
RMS error 1.1)0 1.40 

Maximum 
deviation _ • 

Number of 
samples 3/1 5/1 

Imperfeet 
Sting 

Corrections 

Mean 
RMS error 2.M 1.97 

Maximum 
deviation 1.20 0.85 

0 

i s 
Number of 

samples V/3 if/3 

1 

J 

i 
J 
s Model/Tunnel 

Asymmetry 

Mean 
RMS error 1.72 0.87 3.90 3.59 1.21 0.91        j 

Maximum 
deviation 1.03 0.U6 2.62 3.88 0,71 0.57 

lumber af 
aamplea 3/2 5/2 3A 5A 3A 5A 

Instrumentation 
Inaocuracy 

Mean 
RMS error 1.2 o.u 2.17 1.47 0.99 0.49     1 

Maximum 
deviation - - . 0.67 - O.Olf 

Number of 
samples 1/1 2/1 1/1 2/1 1/1 2/1 

Flow 
Instability     j 

Mean 
RMS error 0.66 0.76 0.W 0.20 0.39 0.32        | 

deviation . _ M . m _          ! 

Number of 
samples 1/16 1/16 1/12 1/12 1/12 1/12 

owniTja 

(I) 
Mean 

RIB error 3.76 2.74 

4.48 3.89 1.61 1.08        { asi 

(11) 
Mean 

RMS error 3.26 2.32 

N.B.      1.     The number of aamplea ia expressed in the following mamnn 
(lumber of aamplea in mean) / (lumber of readings in a aaaple) 
ia   3/l2 ia equivalent to 12 readings per Mach number and 3 Mach number samples in the 

2.     The figures are expressed as percentage» of the tofil measured coefficient.    The model/ 
tunnel a»yiiMetiy, instrumentation accuracgr and flow stability results are givra to 
95$ limits of confidence. 

■ 
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STING INTERFERENCE EFFECTS ON AFTERBODIES AT TRANSONIC SPEEDS 

D.   M.   SYKES 
Department of Aeronautics, The City University, 

St.  John Street,  London, EC1V 4PB, England 

3a-\ 

SUMMARY 

The pressure distribution over the surface of three axisymmetric afterbodies at zero incidence has 
been measured and sting interference effects determined through the Mach number range from 0.70 to 1.15 
in an octagonal, slotted wall wind tunnel. 

The afterbodies  tested were a simple cylinder and conical boat-tails  \ calibre long with 7)    angle 
and 1 calibre  long with 9° angle, each carrying a representative driving band.    Sting diameter effects 
were determined using 4 calibre  long cylindrical stings of diameter ),  {,  3 and \  calibre,  and sting- 
flare interference effects were determined for a 10° semi-angle cone on a J  calibre sting. 

The tests showed that the ratio of sting to base diameter was  the main parameter for interference 
effects, but data for diameter effect from afterbodies with other geometries was not fully correlated 
using this parameter.     Successful correlation with other data has been achieved for the proximity of 
conical flares  of different angles  for subsonic flow conditions. 

NOTATION 

CD pressure drag coefficient of afterbody 
Oft, pressure drag coefficient of base 
Cj). pressure drag coefficient of boat-tail 
Cp pressure  coefficient  (p - p^/JYPaAo2 

D centrebody diameter 
d diameter 
I length 
M Mach number 
p pressure 

8 boat-tail angle 
q flare cone semi-angle 

Subset \)** 
b bu 
f flare 
s sting 
B boat-tail 
OD free stream 

i 

1.     INTRODUCTION 

In the past  the  aerodynamic characteristics of shells, which are needed for trajectory and range 
calculations, have been determined mainly from range  firing  trials.    A number of factors have combined 
over the last few years which make it desirable to reduce the number of such trails and Fancett and 
Smith  (1) have re-examined the accuracy of transonic wind tunnel measurements of these pioperties. 

One of the main sources of discrepancy between free flight and wind tunnel data is the presence of 
a sting support system which holds  the model in position in the wind tunnel.    McDonald and Hughes   (2) 
presented a correlation of sting support interference effects, mainly on ogive boat-tailed afterbodies, 
but this is not really adequate for the conical boat-tail afterbodies which are generally found on shells. 
Recent tests by Fellows   (3)  on a shell model at full-scale Reynolds number showed the necessity for 
further investigation of sting interference effects on typical shell afterbodies.    A series of conical 
boat-tail afterbodies has been tested at transonic speeds by Sykes  (A)  and the same facility and some of 
the models have been used in the present  tests. 

The sting support system under consideration typically consists of a length of a parallel cylindrical 
sting, one end of    which enters the model at its base,  and the other end expands as a conical flare which 
is generally attached to the incidence quadrant.    Lee and Summers  (5)  showed that the interference effect 
consisted of a 'length'  effect due to the proximity of the  flare to the base,  and a 'diameter'  effect which 
was a function of sting to model base diameter ratio and which remained when the flare was so far from the 
base that it had no measurable effect.    More recent tests of sting interference effects on afterbody drag 
have been made by Kurn  (6)  at fairly large sting to base diameter ratios on straight cylinder and ogive 
boat-tailed afterbodies. 

The present tests have shown that there is a difference in the 'diameter'  effect for a'straight 
cylindrical afterbody compared to boat-tailed afterbodies.    For the former geometry the base drag initially 
decreases,  then increases  to a local maximum and must then decrease again as  the sting to base diameter 
ratio increases, whilst  for the latter geometry the base  (and afterbody) drag decreases steadily as  sting 
to base diameter ratio increases.    The  'length'  effect has been found to be independent of sting diameter 
and a good correlation of data for conical flares with semi-angles between 4° and 12° at subsonic speeds 
has been achieved. 

2.    APPARATUS 

The experiments were made using the RARDE continuous running closed return wind tunnel fitted with an 
octagonal slotted wall working section having 9Z open area ratio.    The working section is 457 mm long and 
the four pairs of parallel and opposite surfaces are each 184 mm apart.    The stagnation pressure was 
approximately  j  atmosphere and Reynolds number/metre increased with Mach number from 7 to 10 x 106. 
Pressures were measured to the nearest 0.1 mm using a vertical multitube mercury manometer. 

A hollow centrebody of 50.8 mm diameter passed into the working section from upstream and the various 
afterbodies were attached to the downstream end of the centrebody.    The afterbodies tested were each 2 
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calibres  long and consisted of a straight cylinder,  and two conical boat-tailed models which had H/D • { 
with ß ■ 7i0 and i/D ■ 1 with ß ■ 9°, and the ratios of base diameter to body diameter were "b/D - 1.000, 
0.868 and 0.682,  respectively.    Each afterbody carried a model driving band and the model and driving band 
dimensions are shown in Figure 1. 

The  'diameter'  effect was  determined by using straight cylindrical stings, each 4D long ani having 
diameter ratios ^s/p - J,  J,  |  and j, which screwed into the base of the models.    The work of I,ee and 
Summers   (5)  indicated that afterbody pressures  should not be affected by the changes in sting length  to 
base diameter ratio is/d^. 

The  'length'  effect was  investigated using cylindrical stings with diameter ratios    s/p _ j  and length 
ratios  ^S/D " A.87, 4.0,  3.0 and 2.0 and a 10° semi-angle conical flare of length 2.85D and base diameter 
1.26D.    The upstream end of each sting located into the base of each model, whilst the base of the  flare 
was mounted on a traverse  gear which was attached to the roof of the wind tunnel downstream of the end of 
the slotted nozzle. 

For the  'diameter'  effect tests the base of the models was  170 mm ahead of the downstream end of the 
nozzle and the driving band carried streamwise grooves  as shown in Figure 1.    The boundary layer near the 
base was approximately 0.09  calibres thick, and turbulent with a power law exponent of 6.    For the   'length' 
effect tests it was necessary  to  fit a shortened centrebody which took the bases to 345 mm from the  down- 
stream end of the nozzle,  the  grooves in the driving band were  filled, and the boundary layer thickness 
near the base was  reduced.    The positions of the models within the nozzle is shown in Figure 2. 

The pressure distributions measured on the boat-tail surfaces and on the base were integrated to 
give boat-tail drag coefficient Cßg and base drag coefficient CD^  and the afterbody drag coefficient Cj) 
was then found by addition. 

3.     RESULTS 

3.1    Sting diameter effect 

Sting diameter effect tests were 'nade through the range of Mach number from 0.85 to  1.15. The 
pressures on the  two boat-tailed models behaved in a similar manner whilst the cylinder model showed some 
differences.    For the former.  Figure 3 shows  that for subsonic and through sonic speed,  increasing sting 
diameter always  decreased "Cp(j and thereby reduced base drag or increased base thrust,  and there was   little 
change in the Mach number for minimum base drag.     Figure 4 shows  that for the cylinder afterbody at sub- 
sonic and through sonic speeds  the presence of the sting reduced the base pressure defect, but this effect 
was less with «^S/D - 0.500 than with ^a/j) - 0.375. 

Figure 5 shows  the change in base pressure coefficient at particular M   values, plotted against 
"s/db.    For M^ < 1.05 the   'diameter'  interference effect was almost independent of M^ for the three after- 
body geometries;    on both boat-tail models the base pressure defect was  consistently reduced as    s/db 
increased.     For the cylinder this occurred only for "s/db  * 0.3 and then the interference effect began to 
fall away from the boat-tail curve, went through a local maximum at "s/dj,«   0.4 and extrapolation predicts 
zero interference effect at    s/d[j si   0.58.    It is expected that  for larger ''s/db ratios  the interference 
effect would again increase and tend to follow the boat-tail results.    At M   = 1.10 all three afterbodies 
experienced differing interference effects for all "s/dj, values,  the cylinder behaving qualitatively as  at 
lower Mach numbers.    At M^ - 1.15 there was no interference effect on the boat-tail bases  for ^s/db < 0.4, 
but larger stings  then produced different effects  for the two models;    the cylinder continued to behave 
qualitatively as  at  lower Mach numbers. 

The effect of the presence of the sting was  felt on the boat-tail surface and produced a change in 
boat-tail drag,  as shown in Figure 6.    For both boat-tailed afterbodies there was a consistent effect of 
increasing sting diameter decreasing the boat-tail drag coefficient, but when the interference change in 
CQO was plotted against    s/db  for various constant    M^ it was  found that the two geometries maintained 
their individual behaviour. 

: 

There was no detectable interference effect on the pressure on the cylinder model at either of the 
two side static pressure holes. 

The interference effect was  transmitted upstream from the base over the boat-tail surface  for a dis- 
tance which decreased as M^ increased.    At the lowest Mach number the effect was carried right upstream 
to near but not ahead of  the shoulder.    As M    increased,  the  flow around and for increasing distances 
downstream of the shoulder was supersonic and appeared to be unaffected by the presence of a sting. 

The conbination of base and boat-tail drag coefficient,  the former evaluated assuming the base 
pressure acted uniformly over the full base area and not merely the annulus unobscured by the sting, 
yields afterbody drag coefficient CD. 

The sting interference effect on C« as a function of    s/d^  for the boat-tail afterbodies at various 
constant    M      is shown in Figure 7.    For M^ i 1.00 the data could be predicted reasonably well by a single 
curve.    At M^ > 1.05 there was a lesser decrease in CQ with increasing "s/db than at the lower Mach 
numbers, but both afterbodies  conformed to the same curve.    At M    «1.10 the results for the two after- 
bodies diverged for ^s/db >. 0.3 but Cj) still decreased with an increase in "Wdb-    When M   » 1.15 there 
was no interference effect for ^s/db < 0.4 but then there was increasing Cp on the 4/0 ■ J»  ß " 7J0 boat- 
tail model, whilst the  l/D -  1,  ß • 9° boat-tail model showed decreasing CD for "Wdb > 0.6.    Since there 
is no boat-tail,  the results  for the cylinder afterbody are exactly as described when discussing the 
interference influence on base pressure. 



3.2    Sting length effect 

Sting length effect  tests were made through the range of Mach number from 0.70 to 1.15 using a sting    ,» p>    «1 
with ds/D " 0.25.    The shorter centrebody used for these tests brought the afterbodies just downstream of   J  I'^\ 
the throat of the nozzle  and this  caused small changes  in the afterbody pressure distribution and also 
made the boundary layer on the  afterbody somewhat thinner than in the   'diameter'  tests;     these effects 
slightly changed the base pressure on the models with no sting.    This was not considered to be significant 
as  these tests were  to determine  the changes in pressure due to the proximity of the conical  flare. 

The effect of shortening the distance between the base of the models and the conical flare is shown 
in Figures  8 and 9 and is seen to be similar to the effect of increasing sting diameter ratio "s/d^,.    A 
theoretical expression  for the pressure perturbation at a point on a cylindrical sting due to a conical 
flare situated further downstream in a subsonic flow   was given by Tunnell  (7).    For most practical sting 
geometries   the expression may be written as 

AC df/U8  + if)} Jtane{d/if, 
P s 

which does not include the model base diameter or the stream Mach number.    Experimental values of ACpjj, 
the increase in base pressure  due  to flare proximity,  appeared to be  almost independent of Mach number 
for M    < 1 and showed a similar trend to the above expression with change of 6    and lls but were clearly 
dependent on model base diameter djj.    The work of Tunnell  (7)  and Lee and Summers  (5) has also shown 
that the relevant length scale  for sting length effect is  the model base diameter.    The data for the 
present  tests    were plotted as  ACp^.cotanS against Hg/d], and are shown in Figure  10, together with data 
of Lee and Summers  (5)   for a cylindrical model and further data from Fellows  (8)  for base pressure on a 
shell model with a boat-tail having H/D ■ J,  B ■ 9°, mounted on a sting with a flare having effectively 
6 ■ 6.5°,     It will be seen that  all  these results have correlated well despite the range of values  of 
sting diameter to base diameter from 0.25 to 0.87 covered in these various tests.    Thus it appears  that 
the curve shown in Figure  10 can be used to predict sting length interference effect on base pressure on 
cylinder or conical boat-tail models  from cylinder-flare stings  in subsonic flows, and that  this inter- 
ference effect is negligible for tg/d^, > 6 at the  largest flare angles,  and for shorter lengths as the 
flare angle  is  reduced. 

At supersonic speeds  the effect of sting length on base pressure was  less well defined and it  is 
felt that this arose because, with the afterbody just downstream of the nozzle throat,  the pressures were 
influenced by the larger Mach number gradients which are known to exist in this region of this tunnel at 
supersonic speeds. 

The pressures on the two boat-tail surfaces were integrated and the boat-tail drag coefficients  CDR 

for the various sting lengths  and Mach numbers were determined.    The sting length effect was barely 
detectable on the 4/0 - 1,  B « 9° boat-tail and for the    H/D - J,  8 ■ 7j0 model were only detectable  for 
the shortest sting length at subsonic speeds;    a reduction of Cj)-  of about 0.005 was measured.    Thus  for 
most practical situations  it would appear that  for stings with cylindrical lengths in the range 
3 < ig/db  < 6 it is necessary to correct the base pressure for sting length or flare proximity inter- 
ference effects  at subsonic speeds using the curve given in Figure  10,  and to correct afterbody drag for 
sting diameter effect using the curves given in Figure  7. 

4.     CONCLUSIONS 

The pressure distribution has been measured at Mach numbers between 0.85 and 1.15 on three axisym- 
metric afterbodies consisting of a cylinder and two conical boat-tails of length 0.5 calibre with  7J0 

boat-tail  angle and 1  calibre with 9° angle carrying simple cylindrical stings of J,  J,  \  and \ calibre 
diameter.     The pressure distribution has also been measured at Mach numbers between 0.70 and 1.15 on the 
same afterbodies  carrying a i   calibre diameter sting with a 10° conical flare set at various distances 
from the base.    These models were of typical shell afterbody configuration and each carried a represen- 
tative driving band on the main body. 

; 

The results confirm previous work which showed that sting support interference effect for a cylinder- 
flare sting could be considered as  consisting of a 'length'  effect due  to the proximity of the flare to the 
base of the model, which was  additive to a sting  'diameter' effect.     In both cases the relevant model 
length scale was  found to be the base diameter. 

Comparison of the results of the present  'length'  interference tests with the data of Lee and 
Summers  (5)  showed that for subsonic speeds the presence of the flare had no detectable effect on the 
boat-tail or base pressure distribution if the  flare commenced at  a distance greater than about six base 
diameters downstream of the base.    Even at shorter distances the interference effect on boat-tail drag was 
quite small,  the maximum change measured being a decrease in drag coefficient of 0.005  for Hg/dj) ■ 2.3. 
The interference effect on base pressure was more significant with the presence of the flare tending to 
reduce base pressure defect,  i.e.   to reduce base drag.    The changes  in base pressure coefficient from the 
present tests and those measured by other workers using different flare angles 8 appeared to correlate 
well at subsonic speeds giving a single curve for ACp.   cotanö as a function of length of the cylindrical 
sting to base diameter ratio.    At the  low supersonic speeds of the present tests the non-uniform velocity 
distribution in the region of the base of the model made the evaluation of the small changes in pressure 
over the  afterbodies due to flare proximity open to doubt and no firm conclusions have been drawn. 

Comparison of the results of the present sting diameter interference tests with the data of Kum (6) 
raises a number of points of interest.    Kurn's tests were made using truncated tangent ogive afterbody 
models mounted on a central support tube of 38 mm diameter in a 600 x 450 mm rectangular tunnel at  a 
constant unit Reynolds number of 8.8 x 106/m over the Mach number range from 0,8 to 1.3, and so are at 
very closely comparable conditions  to those of the present tests. 

The variation of afterbody drag with sting diameter can ba compared through the Mach number range 
for the u/D - 1, B - 9°, db/D - 0.682 model of the present teats,  and the B ■ 9.6°, «fe/D - 0.703 model of 
Kurn for the cases of no sting and with straight cylindrical stings having "s/di, • 0.73 and 0.80 respec- 
tively.    For these comparable geometries the data are in reasonable agreement for M^ ^ 1.05 but for higher 

!-■■ 
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Mach numbers  the afterbody drags of the present tests reached greater maximum values than those of Kurn, 
although the latter results  also included skin friction drag.    From the results of the  'diameter'  effects 
measured in the present tests and shown in Figure 7 the drag coefficient correction ACp ■ Cn 

CQ    .      can be determined    through the Mach number range of these  tests.     Such curves are shown in 

Figure 11 for sting to base diameter ratios    s/d^ 
correction curve for ^s/dj, 

9.6°, db/D - 0.703. 

0.8 and 0.3;     also included in this  figure is  the 
0.8 as given by Kurn for a straight cylindrical sting on the model with 

These results show    that data from other afterbody geometries   should not be used in detail for the 
correction of pressure distributions or drag of conical boat-tailed afterbodies for sting diameter effect. 
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MESUHES DE TRAINEE EN TUNNEL DE TIR 

par 

Daniel   BAHUREL 

Alain DESGARDIN 

UBORATOIRE DE RECHERCHES BALISTIQUES ET AERODINANIQUKS 

27207 VERNON - FRANCE 

RESUME 

Aprfes avoir rappele sommairement le principe de la mesure de la trainee en tunnel de tip,  on döcrit les diver- 
ses methodes d"exploitation artuellement utilisees  : Cx constant - Cx fonction de l'incidence - Cx fonction 
du nombre de Nacht ainsi que leur domains d'utilisation et la precision & en attendre* 
On presente ensuite une serie de resultats obtenus receouent au tunnel de tir du L.R.B.A. sur un projectile 
sphero-conique et un projectile cylindro-conique & jupe dans une large gamme de nombre de Mach (0,7 h. 14) et 
pour dea incidences atteignant parfois IS0- Ces resultats sont conpl^tös par des mesures obtenues au tunnel 
de l'Institut de Saint-Louis, essentiellement en transsonique sur des formes variees de projectiles allant 
du corps elance ä la sphfere. 

V 

NOTATIONS 

x, y, z  : Coordonnees du centre de gravite du projectile dans le trifedre li^ au tunnel (x horizontale auivant 
l'axe de tir, y et z k 45° de ia verticale). 

m : Masse du projectile 

V :  Vecteur Vitesse de module V 

S :  Surface de reference egale au maltre couple du projectile 

1 : Longueur de reference egale a la longueur de la maquette 

L : Longueur de trajectoire etudiee 

t :  Temps 

Cx, Cz    : Coefficient de trainee et de portance dans des axes lies au vecteur vitesse 

acx 
Cx 

H 6") 
Vitesse de reference en m/s prise egale h celle du milieu de la trajectoire 

Masse specifique de 1'atmosphere ambiante 

Carr^ de l'incidence globale =   X X 

s    p + i a     avec    p   et    a     projections de 1'angle d'incidence 

6 : Angles de restitution de la position de l'axe de la maquette dans 1'espace. 
1 

"IT 
/ 

(   P' )    dx 

dz d2x 

7tr 

i. INTRODUCTION 

L'etude du mouvament de maquettes en vol libre au tunnel de tir, dans de bonnes conditions de simulation du vol 
reel, apporte une contribution originale auz mesurea d« trainee a^rodynamique* Si les methodes d'essais sont 
malntenant bien classiques, les possibilites offertespar l'acquisition et le traltement moderne des mesures ont 
permis plus recennent d'affiner les methodes d'exploitation et de foumir les resultats de trainee en vol,  en 
fonction de l'incidence par exemple ou encore en fonction du nombre de Mach en transsonique- 
La premiere partie de 1'expose est consacree a une presentation des methodes de mesure et d'exploitation en 
tunnel- Dane la seconde, aprfca avoir presente une serie de resultats sur dea corps de formes variees au tunnel 
classique de l'Institut de Recherchas de Saint-Louis, on exposera les resultats obtenus recemment au tunnel de 
tir du L.R.B.A. sur deux projectiles, I'un sphero-conique et 1'autre cylindro-conique k jupe, pour des vitesses 
comprises antra Mach 0,7 et Mach 14 at pour das incidences atteignant parfois 15°. 

\ 
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2. DETERMINATION D'UNE TRAJECTOIRE DE VDL EN TUNNEL DE TIR 

U prinoipe general utilise pour la determination de la loi de trainee d'un corps en vol libre est d'etudier 
le mouvement de son centre de gravite en fonction du temps. II s'agit done d'abord de restituer la trajectoire 
et ensuite de la traiter par une exploitation adequate. La trajectoire est restituee k  partir de photographies 
de la maquette en vol. 

2.1. Visualisations 

Dans le tunnel de tir du L.R.B.A. oonune dans la majority des installations analogues la trajectoire du pro- 
jectile est obtenue par visualisation : le long du tunnel sont en effet disposees 24 sections de mesures 
equipdes chacune de 2 ohambres m^triques de grande precision dormant deui ombroscopies dans des plans ortho- 
gonavtr (planche I). Le tunnel ^tant tonu dans l'obscuritö, les obturateurs des chambres sont maintenus ouverts 
pour le tir. Les sources lumlneuses des 2 ombroscopies sont deux eolateurs ponotuels declenches par le signal 
d'un pont hyperfr^quence travaillant en 3 cm de longueur d'onde et des^quilibre par le passage du projectile 
dans le champ des antennas. La dur^e du flash est de l'ordre   1/20   ^s et la precision des compteurs de temps 
est l/40 (is. Pour une vitesse de 5 000 m/s ces donn4es correspondent h. une erreur de restitution de l'ordre 
de 0,3 k 0,4 mm. 

2.2. Restitution de la tra.lectoire 

Pour obtenir la trajectoire k partir de la serie des deux photographies, 11 est neoessairo de connaltre par 
ailleurs lea caracteristiques optiques des chambres metrlques. Ces donn^ea constituent "la geometrie du tunnel" 
dont la determination a fait 1'ob jet d'Etudes partlcullferes riteea en r^f^rence 1 et 2. 
Les plaques photographiques sont lues h 1'aide d'un agrandlsseur muni d'une table X Y avec codeurs au 1/20 de 
mm. Les lois de 1'optique aont utilisees en schematlsant lea objectifs photographiques par un centre fictif de 
projection conlque. Les Equations dans 1'espace de l'axe de la maquette aont obtenuea en recherchant I'inter- 
seoticn des plans bissecteurs des plans tangents aux contours apparents et passant par les centres de projec- 
tions des chambres. La position du centre de gravity est ensulte reoherch^e sur oet axe en determinant le 
centre de la sphere du nez dont le rayon est connu. 
Tous les polntages sont effectuea en nombre surabondant pour appllquer le prlncipe des molndres carres. Compte 
tenu des diverses impreclsiona sur les donnees de la geometrie du tunnel, les incertitudes globales aur la 
restitution sont estim^es a : 

0,3 mm pour x : abscisse du centre de gravite G le long de l'axe de tir 
0,2 mm pour y, z    :  coordonnees laterales de G 
0,2 degre pour les angles. 

i 

3.    KETHODES D'EXPLOITATION DES MESURES EN TUNNEL 

3.1. Equation generale de la trainee 

Les conditions d'utilisation des tunnels de tir imposent des trajeotoirea tendues et l'abscisse ourvlligne du 
centre de gravity le long de la trajectoire peut 6tre confondue sans grande erreur avec l'abscisse x le long 
de l'axe de tir. L'equation differentielle de la trainee d'un projectile de masse m s'^crit alors dans des 
axes lies k la vitesse V _ 

(1) m   -l**-!   PS V2 C 

Le problfeme pose est de determiner les valeurs de Cz et de V0, valeur de la vlteaae k t = 0, compatibles avec 
les divers couples x^, t^ meaures. 
Trois methodes d'exploitation sont actuellement utillsables en fonction dea caracteristiques du tir. On peut 
ainsi effectuer un depouillement : k coefficient de trainee Cz constant 

Les trols methodes sont succassivement presentees. 

k  coefficient de trainee Cx variable en fonction de 1'incidence 
k  coefficient de trainee Cz variable en fonction de la vitesse 

3.2. Resolution k Cx constant 

Si le coefficient Cx eat suppose constant, liquation (l) a pour solution formelle 

/ PS „   . 

v = vn 
PS 
"ST Cx.x 

t = 
- 1 

\ 
cx vo 

avec x = 0 (V V0 k t « 0 

La determination des constantes V0 et Cx conduit alors k un pur problkme da lissage dont la solution k I'aide 
du prlncipe des molndres caries est trka ais^ment obtenue. 

■   • 

3.3« Resolution k Cx variable en fonction de 1'lncldenee 

La maquette lancee en vol libra au tunnel de tir pendule autour de son centre de gravite ; 1'Incidence varle 
d'une manlkre continue le long de aa trajectoire I en toute rlgueur, le Cz ne peut pas Stre conaid<M comme 
constant. La lol de variation en fonction de 1'Incidence propos^e pour la majority des corps de revolution 
lances au tunnel de tir eat : - 

2 
cx   "Cxo   *CX62.   6 

Oü    6    est le oarre de 1* incidence. 



L'application de la th^orie ^picycloldale peut donner une expression analytique approohant les variations du 
carr^ de 1'Incidence globale : ß-% 

XX + i a      = K, 
81    X 

e + Kg 
Sg  X 

e + s 
oil lea coefficients KJ et sj sont des quartites complexes 

ICj.kj + lk*   et   8q   =    aq+i   a* 

8      et des ooordonnöes transversales y et z, A l'aide d'un llssage prealable des angles de restitution    I|I 
les diffdrents KJ et sj peuvent etre determines. 
Malheureusement le report de     62 dans l'equation de trainee (1) conduit k la recherche de primitives compli- 
quees et la solution formelle et rigoureuse de l'equation diff^rentielle n'est pas connue : 

x 
PS 

-2i~ ^o . (x-x0) + C V / 
62(x) dx 

Soit encore avec 

■^/ 

«0 = ° et pour t = 0 

PS 
X 

[Ci,,    x + C,   2     y       6
2    (x)    dxj 

dx 

L'application du principe des Noindres carres dont on trouvera des illustrations pour un tel traitement dans la 
reference 6, necessitera aussi de calculer les differentes d^rivees : 

x 
dx 

at_ 
T^0 

PS 
=   "Sä" 

'x    2 

[  t . x     -   /   t    dx] 
o J 

S 
"25" 6     dx 

x 

/ 
dx 

St t 
räv = " ^r 

r   S*2 dx 
L'integrale       /e .dx     ne pouvant se calculer formellement, plusieurs approches de la solution vont 6tre 
presentees en partant de solutions simples pour arriver k une solution "presque rigoureuse". 

3-3-1 - ^remifere methode 2 

On peut tenter de se ramener au cas precedent (Cz a Cte) en consid^rant que cx ,2 '   ^    n'est qu'un terme 
correctif dont la valeur peut ttre remplacee par une valeur moyenne en approchant 

x L 

L 6    dx    par la constante     a 
1 

TT / ' 
+   o   ) dx 

II suffit alors d'affectuer un döpouillement k Cz constant et de consid^rer qua le C. moyen correspond k la 
valeur moyenne _a    du carrl de l'incidence du tir. Si on dispose de plusieurs tira a Incidences differentes, 
en portant les Cz en fonction des   a        on doit trouver une droite dont la pente est Cz   » 8t l'ordonnee k 
l'origine la valeur de Cz . '' & 

La droite peut evidenment Stre aussi recherohee par les moindres carres mais pour chiffrer correctement les 
inpröcisions sur les coefficients CZo et Cz   , il est preferable de d^poulller direotement tous les tirs k 
la fois en determinant les valeurs de C_   et^de Cz   0 qui minimisent la somine des carres des ecarts de tous 
les tirs. ^ 62 

i 

3>3-2 - Deuiltme methode 
I«s räaultats obtenus par la methode precedente sont bona en eux-mtmes. Cependant ila necessitent un grand 
nombre de tira k incidences moyennes differentes alors qu'en vol libra on a la chance d'avoir une incidence 
variable dans un aeul tir. 
Aussi on peut calculer par des quadratures numeriques les integrales non calculables formellement. En effet 

52       et      f     62   dx' 
■'0 

la thöorle epicycloldale (reference 8) permet de calculer 

de traptae suffit pour traiter les 3 integrales donnant  : 

et une methode simple 

/ 
t dx et 

/ 
t dx 

come ci-dessus on peut traiter plusieurs tirs k la fois et les reaultata obtenus sont trfes satlafaisants si 
l'incidence varie de fagon appreciable sur la trajectoire. 

3.3.3 - Troisitme methods 
On dernier paa eat encore k franehir pour ne plus fttre tributaire de la theorie epicycloldale non toujours 

-■     ■ 

■ 

i- 
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applicable-  Uana le cas du transsonique par example lea evolutions de l'lncldence entralnees par un coeffi- 
cient de moment variable en fonctlon du Nach ne peuvent Stre obtanues rigoureuaeoant que par one Integration 
numerlque de l'equatlon dlfferentlelle de pendulation. Aussi,  k Integrer numerlquement cette demlfere,  11 
est preferable dans la pratique d'lnt^grer aussl numerlquement et slmultanement liquation de trainee. 
SI I'on expllclte quelque peu les calcula concernant unlquement l'equatlon de trainee, le problfeae est d'In- 
tegrer : , 

PS 

dt 

avec les conditions 

IL   v2 

2m 

CXo (1 + K 62) 

•'V 

6      =     P      -fa qui est obtenu par une integration nunörlque d'une ou plu- 
sleurs equations dlfferentiellea. 

Partant d'un lot de premiferss valeurs des Inconnues et des conditions initiales, on peut toujours Integrer 
facllement cette equation et obtenlr les residua ou ecartn entre les valeurs Besur^es et oalculees, & chaque 
section de mesure des grandeurs y, z, o   ,    ß    . 
On salt que la procedure de corrections dlfferentiellea demande en outre de connattre les valeurs des diffe- 
rentes derivees de la fonctlon x par rapport a toutes les inconnues appelees Cj pour la commodite. Ces valeurs 
peuvent Stre determinees en remarquant qu'elles verifient 1'aquation dlfferentlelle da trainee deilvee par 
rapport k Cj. II sufflt done d'adjoindre k l'equatlon dlfferentlelle de tratnee proprement dite, toutes celles 
obtenues en la derivant par rapport k toutes    les inconnues CJ, valeurs initiales comprises (__*** ^ t « 0) 

dt 

Ainsi     ( 
äCj -) PS 

"2r 2 V 
äCj 

dcx ac'o K    621        +   CIo     I 
Pour trouver les valeurs initiales de toutes les equations dlfferentiellea auppiementalres, 1'approximation 
sulvante a toujours donne satisfaction : 
on developpe x au voisinage de t a 0 

t* 
0 0 

On a done ( ^—j- ) 
**' 

■ T + 

(t)0   =0 ^2   x 

BC xo 

l2x 
TTSt :x0-at 

Le systems presente s'integre facllement par la methode de Runge-Kutta par example« Le detail de la procedure 
ainsi que des applications interessantes sont presentes en references 3 et 4* 

5-4. Resolution k Cx variable en foretion de la vitesse 
On salt qu'en faible supersonique et en transsonique la coefficient de trainee varle fortement en fonctlon 
de la vltesse. K8me en llmitant la trajectoire aux quarante premiers nitres du tunnel, on ne peut plus effec- 
tuer des depouillements valables en considerant le Cx comme constant» 

Une loi polynomiale en 
VR-V 

 ou V„ eat une Vitesse da reference donnee, sensiblement celle du milieu de 
R  interessante car eile permet de reproduire, au moins par morceaux, la plupart la trajectaolre, a semble 

des lois de trainee presentees dans la litterature. De plus 1'experience des depouillements de tirs fictifa 
a montre que la determination du coefficient Cx qui pour V = VR correspond k celle de Cx est toujours obtenue 
avec une trka  bonne precision. 
Cans la pratique une loi d'ordre 4 a ete programmee 

L 

cx= E 
1=0 

VR. V    1 
—5-— )       mala les ordrea 1  ou 2 süffisant pour les tirs reels des corps 

R 
de revolution d'emoussement r       / r   .  . voisin de 0,2. nez       culot 
La methode de resolution qui est identlque k la preoedente a dejk ete explicitee en detail k la reference 5. 
La procedure utilisee autorise mime k ovmular les effets de variations d'incidenoe at de vitesse en traitant 
dlrectement une loi de trainee de la forma : 

4 „       „     i 

x ^6
2* 

62   + ( R ) (2) 
i=0 

4.    EVALUATION DES METHODBS FROFOSEES PAR DES TIRS FICTIPS 

Pour exploiter lea methodes da resolution rappeiees ci-desaus, un programme de calcul appeie TRAIS (reference 5) 
a ete ecrit en langage Fortran. II traite la loi de trainee g^nerala : 

* V   - V       i 
.2 V^     -       /     R 

^62 
C«    ( 

R 
) (2) 
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L'utillsateur fixe ^videmment la nombre de temes k rochercher, «n ohoiilsBant l'une des formulations 

C    a C      a constante 
X XQ 

C_ = C,     +   C      -  . x       io x R2 

j-0 

VR-V 

avec     n 4: 4 

'S2 E "J 
avec i   4 

Ce programme a et6 testa k l'alde de tirs fictlfs calcules avec la lol de trainee tout k fait gen^r*le (2). 
On appelle tir fiotlf une trajeetoire obtenue par Integration nua^rique des Equations de la m^canique du vol 
en se donnant des conditions initiales et les lois aerodynamlques. La trajeetoire ainsi obtenue peut ensuite 
Itre consid^ree comme provenant d'un tir reel et entree dans las programmes de depouillement dont 1'exploi- 
tation finale doit permettre d'extraire lea coefficients de la lol da trainee. Cette procedure peiwet de 
nettre en Evidence les points delioats du traitament et les erreura k minlmlser dans 1'acquisition. 
On a precede en trols etapea. On a admis tout d'abord que la loi de trainee avait lanloe expression formelle 
que celle utilisee pour calculer la trajeetoire fictive. Les couples (x., t.) de la trajeetoire sent alors 
utilises comme donn^es d'entree du progranme de depouillement avec la precision des resultats du calcul 
precedent. On peut supposer dans un deuxieme stade de simuler des erreurs de mesure en arrondissant les 
donneea d'entree. On peut enfin admettre d'exploiter les resultats de la trajeetoire fictive k I'aide d'une 
loi de trainee differonte de celle qui a aervi ä la calculer. 
Les resultats obtenus avec la premikre procedure sont ezcellents quelle que soit la vitesse etudi^e entre 
200 et 5 000 m/s. Ceci •Igfiifle que les hearts residuals k la convergence entre les couples (1 , t.) entree 
et ceuz calcules sont lnf£rieurs k la precision des donnees d'entree (6 döciaales) st que les coefficients 
de la loi de trainee sont restitues avec une precision absolue «äquivalente. Le processus mathömatique utilise 
est done correct. On a montre egalement que le programme TRAIS peut traiter Jusqt'k 14 tirs k la fois. Ce 
nombre correspond k un cas reel de Campagne existente   sur une mime maquette. Mais de bone Resultats sont 
obtenus seulement sur 2 ou 3 tirs. 
Un premier pas pour s'approcher des tirs reels est d'appliquer une procedure d'arrondi simulant des erreurs 
de mesure. Avec des abscisses supposees connues k 0,5 mm prks, les coefficients C.   et Cz   2 sont toujours 
convenal) lament restitues k 1 % prks. Par centre en transsonique les impr^eislona     sur     6   les termes C, 
*t Cx2 peuvent atteindre 3 % suivant leur valeur. 
Enfin, le programme a ete testa avec un tir fietif caloule par Olraud de 1'Institut da Saint-Louis avec une 
autre formule de loi de trainee. II s'agit d'un tir de sphere de 30 mm de dlamktre et de masse 0,110 kg 
lancee dans une atmosphkre d'alr de masse specifique 1,175 lcg/m3. Les 20, 48 m de trajeetoire ötudi^s ont 
He calcules k I'aide d'un polynöme de la forme .    . 

4 

•■E 
ce qui correspond k une loi de trainee de la forme : 

C      -   -      PS     x       d2 * / d*2 

x   = im dt 

"xi 

i 
,i 

/dx 

qui s'^crit encore 

PS 2a2 + 6 a, x + 12a. x 

+ 2a,, x Sa, x + 4a. 

La vitesse au milieu de la trajeetoire k 10, 24 m est de 411, 401 m/a. Cette vitesse a ete prise comme vitesse 
de reference V- pour les depouillements. 
Le tableau ci-aprks donne les resultats obtenus par le programme d'intögration numerique ou 1'on a pris 
C     2 = ^ et n = 4' On appelle 0 „ le coefficient de trainee calculi par la lol polynomiale en x. Le coeffi- 

cient Cj.   est le coefficient restituö par la loi generals (2) avec les conventions pr^eedentes. 

Les ecarts relatifs (Cj J/C, obtenus aprks convergence n'atteignent pas 1  pour 1000, ce uoa ccBitB reiowiiH v^x-.i-uig x_ia(,f' / ^X--- + ooteiius »pros convergence n'aiieigaeni pas 1 pour IUUU, ce 
qui est tout k fait remarquable puisque la loi im^osee dans le calcul de trajeetoire ne correspond pas k celle 
du programme de depouillement. 
Giraud a, dans un deuzlkme temps fauss^ les temps des compteurs pour simuler des erreurs de mesure. Les 
erreurs introduites qui atteignent 3(2   \ia pour toutes les demikres tranches correspondent k des erreurs 
d'abseisses de l'ordre de 1,5 mm. Malgre ces erreurs elevees, le tableau des resultats montre que le coeffi- 
cient de trainee est restitue k mleux que 1 % prks sur les 14 rnktres da trajeetoire entourant la vitesse 
de reference. Par contra k chaque extremite les erreurs atteignent 1,6 ^, ee qui reste encore remarquable. 
On peut done comiderer que le programne de calcul donne toujours le terme constant Cx   de la loi de trainee 
avec une precision superieure k 1 % quelle que soit la vitesse. Les precisions sur les autres coefficients 
pouvant Stre moindres suivant 1'incidence de la maquette, le nombre de meoures, pour une mtoe gamme de vites- 
ses ou les precisions de restitution. 

.■■■ 
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Resultats des tirs fictifs : 

tran- 
ches X 

D 

temps 
exact   (is i    exact 

CXC 

cxc " CXE 
tenps faussta C*C 

Cxc " ^          1 

C«g 
CXE               1 

|    1 0 0 0,99464 0 
1    2 1,28 3 002,07 0,996387 3 002,80 

1    3 2,56 6 018,62 0,9955 0,9964 0,0009 6 020,25 0,9802 0,016            \ 
I    A 3,84 9 049,72 0,9940 0,9947 0,0007 9 052,11 0,9822 0,012            | 

5 5,12 12 095,42 0,9908 0,9915 0,0007 12 096,275 0,9822 0,009            | 
1    6 6,40 15 155,74 0.9859 0,9866 0,0007 15 158,755 0,9800 0,007            I 

!    7 7,68 18 230,67 0,9796 0,9803 0,0007 18 233,65 0,9758 0,005            1 

1    8 8,96 21 320,20 0,9717 0,9723 0,0006 21 323,105 0,9696 0,003            1 

9 10,24 24 424,27 0,9623 0,9629 0,0006 24 427,205 0,9614 0,001             \ 
10 11,52 27 542,81 0,9513 0,9521 0,0006 27 545,89 0,9512 0,0001           1 
11 12,80 30 675,72 0,9390 0,9397 0,0007 30 678,955 0,9391 0,0001           1 
12 14,08 33 822,88 0,9251 0,9259 0,0009 33 826,155 0,9253 0,0002 
13 15,36 36 984,15 0,9101 0,9107 0,0007 36 987,31 0,9098 0,0003          1 
14 16,64 40 159,35 0,8933 0,8940 0,0008 40 162,32 0,8928 0,0006          | 
15 17,92 43 348,29 0,8755 0,8760 0,0006 43 351,12 0,8744 0,0013 
16 19,20 46 550,75 0,8567 - 46 553,57 d,8546 i 

17 20,48 49 766,49 0,8361 - 49 769,32 0,8336 —                1 

5. PRESENTATION DE RESULTATS EXPERIMENTAUX 

Le succfes d'une etude aerodynanlque en tunnel de tir est ll^e d'une maniire directe k la realisation de la 
maquette- En effet, eile doit, comme pour un essai en souffleri« aroir une geo«etrle exterieure seoblable k 
celle de l'engin h etudier, mais eile doit egalement 8tre capable de i^aister sans iamaage aux fortes accele- 
rations du lancement ; eile dolt de plus, supporter las contraintes thermiques du vol dans le tunnel de neaures 
ou la simulation de nombres de Reynolds reallates impose parfola des niveauz de preasion engendrant das flux 
de c&aleur eleves. Enfin la maquette doit Itre equip^e pour la lancement d'un sabot dont la separation doit 
apporter une perturbation minimale h la maquette penetrant dans le tunnel« 

Les techniques de conception et de realisation de maquettes pemattent en fait de repondre k ces contraintes 
pour une grande variete de formes, ce qul concourt k renforcer l'interjt du tunnel de tlr comme moyens d'essals 
aerodynaoiques. 
Pour illustrer lea poasibllltes du tunnel de tir, on presente un ensemble de reaultats aerodynamiques portant 
sur des mesures de trainee obtenues sur diverses formes« Deux corps, un aphero-conique et un cyllndro-conlque 
ont ete etudiea dans une gamme de vltesses variant entre 250 m/s et 4 500 m/s. Us resultats obtenus sur ces 
maquettes seront diacutes d'une mani^re plus detaillee, k litre  d'illustration des methodes d'exploitation 
decrites dans la premiere partie de cette note« 

5.1. Trainee globale de formes varieee en tranaaonique et supereoniaue 

Les premiers resultats presentee proviennent de 1*Institut de Recherchea da Saint-Louis et ont ete obtenus 
dans un tunnel classique non pressurise dont le Reynolds unitaire fc Mach 1 est 0,2 10° par cm. 
Les projectiles concernes sont une sphere, une famllle de corps cyllndro-coniques avec jupe {t6tes P), un 
projectile d'artillerie stabilise par rotation at unefamllle de corps eiances (15 calibres) stabilises par 
ailettes arriere. 
La planche II dorme la trainee globale en vol des divers projectilea en fonction du nombre de Mach. Elle met 
en evidence, en particulier, les posaibilites du tunnel dans le domalne transaonlque. 
La comparaison des trainees dea tjtea PII k PV montre 1'influence de l'angle de jupe dont la valeur est donnee 
cl-dessous : 

maquette Reynolds 
sur L 

diam&tre 
culot   mm 

longueur 
L   mm 

angle de Jupe 
en degree           | 

1        PII 
PHI 
PIV 
PV 

1.10b 

M 

H 

H 

32,9 84 40»               i 
30"               1 
20» 
15" 

Au voisinage de Mach 1,2, la t«te PH de 40° d'angle de jupe a une traine« globale superieure k celle de la 
aphire etudiee dont le diambtre est de 20 am. On peut expliquer ce phenoa&ne par I'lmportance relative des 
trainees de frottement dont la contribution k la trainee totale est grande en transsonique. 
On notera Involution particulifere du Cx de la aphkre entre Mach 1 et Mach 1,5. BAILBI et HIATT (reference 7) 
presentent une synthöse des resultats de trainee d'une sphere. Malheureusement le nombre de Reynolds ne 
depasse pas 100 000 au lieu de 500 000 dans les tirs I.S.L., pour la zone de Mach interessante et les resultats 
fortement dependants du Reynolds dans cette gamme de vltesses no peuvent pas Itre oompaies k ceux de l'I.S.L. 

■ • 

1/ '• 

i 
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5.2. Mesurea de trainee globale d'un sph^ro-conique entre 280 et 4 600 m/a 
La planche III donne un schema du projectile. II s'agit d'un ctoe de 12,5°, de demi-angle au sonmet et de 

rapport d'iooussement        n,z      =0,2. 
rculot 

La planche IV donne l'allure du mouveoent en y et z du centre de gravitö de la maquette au cours d'un tir  ; 
la planche V represent« la variation des projections angulaires de l'aze de la maquette qui est en premi&re 
approximation identique aux projections de 1'angle d'incidence. 
On presente les resultata obtenus sur ce corps en analysant aepar^ment les tirs effectues au-dessus et 
en-dessous de 1 500 m/s. Les 2 zones de vit esses sont exploitees en effet de deux mani^res different es. On 
discute egalement la precision des resultats en fonction des conditions imposees & la nesure. 

5.2.1, Resultats de trainee entre 1  500 et 4 600 a/a 
Four ce domaine de nombres de Nach eleves, les variations relatives de vitesse sur les quarante metres de 
trajectoire etudi^s sont trha faiblea et peuvent 8tre negligees. Seule la variation de la trainee en fonction 
de 1'incidence est done k considerer. 

2 
Cx = Cx0 + Cx    , .    6 

he tableau suivant presente les resultats obtenus pour les cinq vitesses etudiees, h savoir 4 600, 3 900, 
3 000, 2 500 et 1  500 a/a. On a tenu coopte d'une variation du Cx en fonction de 1'incidence : 

- en refflpla;ant     g    par une valeur moyenne    a       approchäe,      solution a. 

&    dx par une quadrature numerique,        solution b. 

- par Integration numerique directe de l'equation de trainee,      solution c. 

Tous les resultats präsentes ont 6t6 obtenus en traitant k la fois 1*ensemble des tirs effectues k une meme 
vitesse quel que soit le centrage de la maquette* 

Trainee globale du sphero-conique 12.5° - Hvpersonique (tableau I) 

vitesse Reynolds 
sur la 
longueur de 
la maquette 

noabre 
de 

tirs en degree 
coef- 
ficients 

solution 

a b c 

4 600 4.106 10 7 
CXo 0,133 + 0,002 

3,1 +0,4 

0,132 + 0,002 

3,3+0,4 

0,132 + 0,002 

3,3 + 0,4 

3 900 5.106 10 8 
CXo 0,132 + 0,001 

4,4+0,5 

0,131 +0,001 

4,28 + 0,45 

0,132 + 0,001 

4,3 + 0,4 

3 000 10.106 12 8 
CXo 
cv 

0,1394 + 0,0002 

4 + 0,1 

0,1400 + 0,0002 

4,1 +0,1 

0,1397 + 0,0003 

4,2 + 0,1 

2 500 8.106 11 7 
CXo 0,154 +0,002 

2,35+0,3 

1 500 5.106 5 5 

—.       .   ._ 

Cxo 0,205 + 0,001 

2,8 + 0,1 

0,207 + 0,002 

2,8 + 0,2 

0,207 + 0,002 

2,9 + 0.1 

Comme prevu par la theorie, les resultats des solutions b et c sont Equivalents. Quant k la solution a, eile 
donne toujours le bon C^ mais le Cx   2 präsente parfois unleger ^cart. Lea residue en y et z apr&s convergence 
sont infärieurs au millimetre. 
Les precisions obtenues sur le Cx   sont excellentes : 7 pour mille k 3 900 m/a ; 2 pour oille k 3 000 m/a ; 
I ^ k 1 500 m/s. La campagne k 4 600 m/a donne une incertitude l^gkrement sup^rieure de 1,4 %, sans doute en 
ralson des conditions sevires d'echauffoment imposees k la maquette qui peuvent entrainsr une legfere deforma- 
tion du nez de 1'ogive. 
Four le gradient Cx   2 , les incertitudes sont plus variables : dependant essentiellement de 1'Incidence des 
tirs elles sont de   &    l'ordre de 3 & 4 $ mais peuvent atteindre 10 %. Ces resultats pourraient itre ameliores 
par des tirs k incidences plus elevees eten augnentant le noabre de coapteurs de temps qui n'etait que de 7 
pour ces campagnes au lieu dee 13 possibles. 

5.2.2. Resultats de trainee en transaonioue 
II s'agit de resultats couvrant la gaome de Nach comprise entre 0,8 et 1,5 et encadrant le pic de trainee, 
centra vera Nach 1,1 ou 1,2. Le tableau ci-Joint präsente les resultats obtenus pour trols vitesses ; 

500 u/s       (    s N - 1,5) 
400 o/s       (    ~ N = 1,2 ) 
280 m/s       (    ~ N = 0,6) 

qui ont 6te exploitees avec la loi generale de trainee : 

I 
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Cx Cx 
V - V i 

)    cXi avec n = 0 et 1 

1=0 

La planche VI donne la lol de trainee k Incidence nulle pour toute la gamrae de Mach balayee par 1'ensemble 
de ces tlrs transsonlques. 
Les iapr^olslons obtenues sur le Cx   sont Inrtrleures ou 6gales k 1 ^ ce qui est trie correct pour des moaures 
en transsonique. Par oontre les termee   Cx   2 et Cx,    (VR - 

v) / V
R »• ■<«* JMiaia obtenus avec une bonne 

precision en ralson des Incidences trop falbles et du nombre reetreint de coapteure utilises (en moyenne 5 
sur 16 m au Heu des 13 sections possibles). 

Trainee globale du sph4ro-conique - transsonique (tableau II) 

•A i    V/rit 
-/s 

Re,. nonbre 
de tlrs 

1° max V 
max 

m/s 

V . mln 

m/s 
coefficients calculus   1 

|     500 1,6.106 10 4° 534 478 

C»o 

Cl1 

="4,10 + 1,7 | 

= 0,471 + 0,004 i 

-0,4 + 0,1                          | 

i     400 1.3.106 10 2° 428 375 C'o 

c«1 

«0,595 + 0,002 | 

= 0,5 + 0,1                          i 

280 1.106 12 5° 

pour 
1  tir 

300 265 

C«o 

Cl1 

-3,4 + 0,6 \ 

= 0,340 + 0,004 1 

= -0,5 + 0,1                       | 

5.2.3. Recapitulation dea Hsultats 

L1 ensemble des resultats precedents est recapitule planche VII sur laquelle ont ete portees en plus les previ- 
sions pour le vol röel. On constate que malgre les differences d'echelle,  les previsions du vol coincident avec 
les resultats obtenus au tunnel. 
Cet accord, naturel en hypersonlque oh les trainees de culot et de frottement sont negligeables ne peut a'ex- 
pllquer en transsonique que par la coincidence fortuite des trainees de frottement. 

: 

i 

5.3. Mesures de trainee globale d'un cvlindro-coniaue 

La planche VIII donne un schema du projectile qui comporte une jupe de 15°. Les planches IX et X foumlsaent 
un exemple du comportement des coordonnees transversales du centre de gravite et des projections angulaires de 
l'axa de la maquette 

5.3.1. Rösultata de trainee en hyperaonlnue 
Deux vitesses aeulement ont ^t^ ^tudi^es ; 4 600 m/e  et 3 100 K/B>  La tableau suivant rapporte les resultats 
obtenus sous la mime forme que precedenaent (cf. 5.2.1) et avec les mftnea notations (solutions a, b, c) ; tous 
les tlrs k mSme vltesae aont traites ensemble directement. 
Conme pour le sph^ro-conique, lea plages d'incertitude aont excellentes k 5 pour mille pour Cx0 et bonnes ä 
5 ^ pour Cx 0. 

6Z 

Trainee globale d'un corps cyllndro-conique - hypersonlque (tableau III) 

vltesae 1    •/- 
Reynolds sur 
la longueur 
de la maquette 

nombre 
de 

tlrs en degr^s 
coef- 

ficients 

Solution : 

a b c                1 

4 600 3.106 14 13 
C'0 

Cx   - 
62 

0,172 + 0,001 

3.5+0,2 

0,172 + 0,001 

3,5+0,2 

0,173 + 0,001 1 

3,4 + 0,2   | 

1 3 100 12.106 9 6 C«o 
C^2 

0,192 + 0,002 

3,1 +0,2 

0,1910 + 0,0005 

3,0+0,1 

0,1909 +0,0004] 
3,0 + 0,1 

1    : ■ 
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Trainee globale d'un corns eyXindro-conique - transsonloue 

yitesse 
^8 

Reynolds aur 
la longueur 
de la aaquette 

nonbre de 
tirs 

i 
■ax 

en degrös 
coefficients de 1« lol de trainee 

520 2,5.106 8 2 Cx0           = 0,608 + 0,0009 

Cz,           - 0,606 + 0,026 

Cx2           -1,282 + 0,207 

Cz   -        " non determine 

250 3.I06 8 5,5 Cz0           = 0,3764 + 0,0009 

Cx1           --0,13 + 0,02 

Cz62       -2,5 + 0,2 V 

t 62" 
Far contre 11 a ete neces- 

5«3«2. Resultats de trainee en trtmaaonioue 

Une vitesae a M ötudi^e de part et d'autre du pic de trainee : 520 m/a en aupersonlque et 250 it/a en 
subsoniaue. 
A 520 o/a, lea incidences sent trop faibles pour determiner le coefficient Cz 

ir ir 
ssire d'utiliser une loi de Cz de degr^ 2 en 

2 

( 
- v 

pour obtenir des residua conpatibles avec la precision estiaee des mesures. 
Coapte tenu dee difflcultes rencontrees k ces bas noabres de Nach en soufflerie la precision obtenu» sur le 
CZo esttout k fait renarquable : 1,5 pour mille. 
A  250 m/a,  11 n'a pas et^ necesaaire d'utiliser un polynOme de degre 2 maia par contre lea Incidences etant 
plus elevees, le terae Cz .p a pu Stre determine avec une incertitude de 6 $. 
Pour eette vitease egaleaent, la precision obtenue sur le CZQ eat ezcellente k 2 pour aille. 
La planche XI preaente lea lois de trainee trouvees dans la zone de noabres de Nach baiaye par les tirs des 
deux caapagnes transsoniques. 

50«3. Recapitulation des r^sultats 

La planche XII recapitule et eztrapole les resultats obtenus pour proposer une loi de trainee globale ä inci- 
dence nulle en fonction du nonbre de Nach. L'^tude d'autres vltesses aerait necessaire pour pHciaer le pic 
tranaaonique* Ici encore les resultata trouves au tunnel aont proohes des provisions de vol ; ce qui apparalt 
nonal puisque 1'on retrouve sensiblenent lea nloea differences de Reynolds entre le vol et les essala en 
tunnel que pour le sphero-conique etudie precedetament. 

6.  CONCLUSION 

1. On a nonträ que des techniques evoluöea de depouillement de trainee a^rodynanique en tunnel de tir sont 
■aintenant disponibles. A condition deisposer d'un nonbre de points de usures süffisant sur la longueur de 
la trajeetoire, avec la precision voulue, on peut rechercher une loi de trainee variable avec 1'incidence ou 
avec la vltesae. 
On detenninera les variations du Cx avec 1'incldence d'autant plus facllenent que 1'incidence initiale de tir 
est plus äleväe et la longueur de pendulatlon plus fälble« De ntae la variation du Cx avec la Vitesse, sp^cia- 
lanent en tranaaonique sera trouvee plus aisement si la variation de la vltease sur la trajeetoire oonaideree 
est plus iaportante. 

2. Les tirs realis^a au tunnel hyperballatique du L.R.B.A. dont les resultats oonplets ont ete presentea 
pour 2 fornea particuliferes de corps, ont ete eiploites k l'alde de ces nouvelles methodea. On a montre que le 
coefficient de trainee peut Itre determine k 1 % prha entre N - 0,7 et N - 14 dans une mdme installation. 

3. La slnulatlon d'un nonbre de Reynolds realists vis k vis de celul du vol rOel est souvent penalises 
par la petite taille de la naquette impoaee par lea moyens de lanoement. Maia une simulation valable du nonbre 
de Reynolds ou une etude de 1'influence de ce paramitre peuvent Itre realisees par des tirs dans des tunnels 
pressurises k 2 ou 4 atmospheres. Ces conditions de tir aont d'allleurs favorables k la determination des lois 
de trainee variables avec 1'incidence ou avec la vltease en transsonique. 
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ROUND TABLE DISCUSSION 

Professor A.D.Young:  Ladies and Gentlemen, we come now to the final session of our proceedings, namely, the 
Round Table Discussion, and as you will no doubt recognize, the people assembled on this platform are those who 
have prepared the major review lectures of this meeting.  On my extreme left is Mr Paterson, next to him Mr Butler, 
next to him Mr Sirieix, then on my right is Mr Antonatos, and finally, at the end is Professor Wuest.  What I would 
propose to do is to ask each of these gentlement in turn to say very briefly what he thinks has emerged of 
importance from this meeting, and, in particular, what are the lines of future work which he sees as desirable, which 
this meeting has demonstrated. One hopes that as a result of this discussion there will be a number of basic points 
which will become clear and which people here who actually do the work will think about and, we hope, follow up 
in due course. 

After each speaker has said his bit, I would like to open the discussion on the points which he raises and leave 
it to you, as members of this meeting, to contribute any additional points that you wish.  We shall have to be 
fairly brief because we have at the most an hour and a half to devote to this discussion.  Therefore, without more 
ado I will ask Mr Paterson to say what he feels are the important points that he would like people to bear in mind 
for the future. 

Mr J.H.Paterson:   It is obvious from the excellent material presented here this week that there are quite a number 
of areas for additional research.  First, the current two-dimensional viscous flow theories require extension into the 
regime of the unsymmetrical trailiug-edge boundary layers and into the high lift region to provide the designer with 
the capabihty to predict buffet onset and severe separation.   In addition, the current methods need to be extended 
to the prediction of drag in supercritical flows.   Second, the current methods of predicting drag rise Mach number 
in two-dimensional flow are generally conservative and can be improved by the development of suitable pressure 
distribution shape criteria.  The third item requiring considerably more effort is that of three-dimensional viscous 
flow methods.  Currently available methods for isolated components are both laborious and expensive, and methods 
of handling the complex flows of mutually interacting components remain to be developed.   While such methods 
are under development, the designer will continue to rely on windtunnel development type tests using, among other 
things, various flow visuahzation techniques.  The very complex nature of three-dimensional interacting viscous flows 
requires considerable study to develop better understanding of flow visualization results.  Dr Peake and Professor 
Rainbird addressed this subject by presenting some of their boundary layer diverter work which shows what can be 
done by flow visualization techniques. The techniques developed by N.A.E., and others, not only provide a means 
by which three-dimensional flow problems can be solved during windtunnel development tests but can also be used 
to establish the understanding necessary to the development of better mathematical models of the flow phenomena. 

The fourth item I would mention is the perennial need for improvement of windtunnel testing techniques. 
Among these are, of course, the problems of wall interference, blockage, support system interference and the 
simulation of full scale mixed flow. The subject of support system interference has received considerable attention 
in recent years both in Europe and the United States. As a result of early windtunnel experience on the C-5A, a 
program to correlate the results of tests in a number of transonic windtunnels was initiated by the United States Air 
Force and NASA.  This study, using a C-5A model, balance and sting arrangement, has led to the identification of 
a number of sources of error; however the study is still in progress and final results are not yet available.  It is 
expected that the results will lead to a better understanding of some of the problems contributing to windtunnel 
data inaccuracies. 

Finally, concerning the calculation of roughness drag, that is, the drag due to the manufacturing roughnesses, 
such as steps and gaps, there is a very great deficiency in the data that is currently available.  Most of it is due to 
Weighardt's investigations and, as collated by Hoemer, is used to estimate the drag of manufacturing roughnesses 
and excrescences.  In the US we establish very tight tolerances for the manufacturer.  In the process of setting up 
these specifications, we are frequently doing it with tongue-in-cheek because we do not know how much drag 
avoidance we are achieving, and we do not know how much we are adding to the cost of the airplane when we impose 
these tight tolerances.  It is an area where we are not going to get all the answers in a short span of time, but I 
was very glad to see that Mr Winter and his associates are doing some very fine work along this line.  Of course, 
this work needs to be extended to the conditions of three-dimensional flows and to the type of configurations of 
today's airplanes.   In other words, having established a base line for the drag of these excrescences on a wall, we 
need to expand the investigations to the conditions of, e.g., an airfoil shape; this may be aporoximated, of course, 
by superimposing a pressure gradient on such tests.  All in all, I think that there is a great deal of excellent work 
going on in all the areas that we are concerned about, but I believe that roughness is perhaps the one thing that 
has been neglected in recent years. 
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Professor A.D.Young:   Perhaps before discussing these points in a general way, I should ask if any other 
member of the panel wants to comment on the points that Mr Paterson has raised.   This may eliminate some 
items that they have already prepared.   Mr Butler, do you wish to say anything on these points?   (Mr Butler 
replies, "No, I am content with what he said".)   Well, can we take these points that Mr Paterson has raised. 
I will just remind you of them:   the need for more reliable boundary layer prediction methods for wings at 
incidence, and in particular, with high lift in the approach to buffet onset and separation conditions and with 
particular reference to supercritical wings.   More work needs to be done to improve our methods of predicting 
critical Mach numbers; three-dimensional methods of calculation need improvement and simplifying from the 
point of view of reducing costs and time involved; we do not understand anything really about three-dimensional 
separation, which is essentially empirical at present; our windtunnel testing techniques need improvement, a 
matter that has been considerably discussed by the LaWs Group; and finally, roughness drag calls for a lot more 
work than we have done up to the present.   Would anyone like to pick on any of these points and add aspects 
which have not already been covered in the course of the meeting?   I wonder if one or two of these areas are 
ones on which Prof. Küchemann would like to comment? 

Professor D.Küchemann:   I can only agree with what Mr Paterson has said, and on his selection of particular topics. 
What I would like to do, with your permission, is to do some very brief stocktaking of where we have got to, by 
showing you one example.  We have heard a great deal about general frameworks for estimating drag, and we had 
also many papers concerned with individual drag components.  How do they come together in the end? What I 
would like to show is just one slide where all the drags have been put together again, so these are drag curves for a 
complete aircraft. 

LIFT-TO-DRAG RATIOS OF A SWEPT-WINGED 
TRANSPORT AIRCRAFT AT VARIOUS 

FLIGHT CONDITIONS 

It is a contemporary transport aircraft, for short or medium ranges with a moderate angle of sweep. It is plotted in 
the form of lift-to-drag ratio against the CL for various configurations. In the first place, it shows us that one 
aircraft has quite a number of different configurations, and we want to know the drag for every one of these 
configurations.  Curve (1) is the cruise configuration, as measured at low speeds, so that it does not include 
compressibility effects.  Curve (2) does include compressibility effects. Curve (3) shows what happens if some 
leading edge devices are put out at low speeds.  You may not want to use that particular configuration in flight, so 
you go on to Curves (4) and (S), which are obtained when flaps are deflected, in Curve (4) by a relatively small 
angle, 10° to 15°, and in Curve (5) something between 20° and 30°. The last curve, Curve (6), is obtained when 
the flaps are deflected by a relatively large angle, 45° for example.  These results give a good idea of what happens 
in any one of these configurations and we find that the differences are very large.  I should like to add that  L/D 
does matter, of course, in all flight conditions, from the performance aspect; even if you consider only noise, you 
always want   L/D to be high. The operating points at low speeds are indicated by circles. They are somewhere 
around the  L/D maximum.  For the cruise configuration, you may go up and down the curve, depending on the 
range to be flown.  What I have also drawn in this diagram, apart from the full lines which represent the actual 
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aircraft, are some dashed lines which are based simply on drag parabolas. It does not really matter what aircraft it 
is, or how they have been obtained. These estimates have been obtained by assuming that there is a zero-lift drag 
plus a lift-dependent drag which is simply a factor,  K , divided by FIA , times C^ . They are fitted around the 
maximum values, and what you can see, when all these many drag components are added up, is that the outcome 
is still very much like a drag parabola. There are some deviations for the high-lift configurations, but only in those 
conditions we are not really interested in. It simply indicates that a high-lift design is fairly sensitive to off-design 
conditions, but one can make it fit, near the operating point, near (L/D) max.  I think what matters in the context 
of what we are discussing here, are the values which go into the zero-lift drag and the lift-dependent drag factor. 
Consider that first, the lift dependent drag factor is about 1.2 for the cruise configuration (for the dashed lines) 
which is quite a usual value, and then it actually goes down.  In Curve (6), for the approach, it is something like 
1.0. The explanation must be that a non-planar trailing-vortex sheet is generated in some way, and that reduces the 
drag factor.  The actual drag is, of course, still very high because it is multiplied into C^ , so it may well be more 
than half the total drag. Therefore, we are still interested in reducing the lift-dependent drag factor.  I think the 
real lesson is in what is obtained for the zero-Uft drag and, if I may, I will express that in drag counts which have 
been mentioned many times during this meeting.  In these curves, the zero-lift drag in the cruise configuration is 
165 drag counts.  We have had many papers where people were arguing about just a few drag counts and every one 
is worth winning.   As soon as a flap is deflected through only a small angle, it is up to 410, for Curve (4).   If a flap 
is deflected a bit further, Curve (5), you have 605.  And, in Curve (6), for the approach, it is 1160.  I would 
conclude from that, that it is really the viscous effects, the viscous flows that we will have to concentrate on.  I 
think that this agrees with what Mr Paterson has said.  These are mainly threedimensional flows, and we have to 
know much more about viscous threedimensional flows and how they can be matched to the external in viscid 
stream.  We must be able to take account of threedimensional flow separations, especially when it comes to mixed 
transonic flows and, again, these are threedimensional in order to be really useful in aircraft design.  Therefore, 1 
think the problems we have to tackle are fairly clear.  Computers will be of some help, but most of the problems, 
for quite some time to come, will have to be sorted out experimentally. But again, in order to do sensible 
experiments, we still want a theoretical framework.  So I would make a plea for establishing useful, physical frame- 
works which help us in designing sensible experiments which we need in order to answer all the questions which we 
have. In order to do sensible experiments, as the Chairman has said, we need suitable tools.  That is where this 
question of providing a new generation of transonic windtunnels and low-speed windtunnels really comes in. 

/M 

Mr A.M.O.Smith:   There is one point that I would like to make.  Over the past 10-15 years people have developed 
good methods of analysis of two-dimensional flows.  There has really been lots of progress in that area.  This, in 
turn, justifies a detailed experimental investigation of two-dimensional flows, and that is about the way things have 
been going.  As I see it, that means that theory and experiment have been able to run hand in hand.  Until we 
have real three-dimensional analysis, a great deal of experiment in three-dimensional flows is just in something of a 
vacuum, because it can not be tied in very well with three-dimensional theory.  But three-dimensional theory is 
beginning to arrive, and in the next 5 to 10 years there is going to be a great deal of progress, so there is a point 
in looking hard and carefully at three-dimensional flows.  That rather confirms your comments. 

Professor A.D.Young:   Thank you Dr Smith.  That is very encouraging coming from Dr Smith knowing how much 
he has contributed in the analysis of flows in general.  I will now pass on to Mr Butler and ask him if there are 
particular points that he wishes to draw to the attention of the meeting. 

Mr S.F.J.Butler:   I would like to start off with at least one area of omission. We touched on the tools needed to 
do the job, and I would refer you to the fact that, in the review paper which the UK provided, we included a 
section talking about general tunnel techniques for drag determination, mainly concentrating on transonic tunnels, 
coming to the conclusion that there really is not a transonic tunnel flow, be it for small experiments or large 
experiments, that can produce at present data of adequate accuracy.  If this conclusion is correct, then this is 
something that we have got to home onto and sort out, quite apart from the very important problems of tunnel 
constraint effects    Is there a tunnel flow which is good enough to allow the rather delicate drag experiments that 
we need to do in the Iransonic flow range? 

Having said that, the next point that I would like to stress is that we agree with the difficulties, going right to 
the other end, of flight test evaluation of thrust.  You have got to assign the thrust before you can sort out the 
drag.   At this conference we have been treated to some nice comparisons between flight and tunnel; encouraging 
cuinparisons which may tend to make us complacent.  I might say here that the comparisons we have tried to do 
in the UK have not led us to complacency, quite the reverse.  We think it is very difficult; particularly, if one is 
relying on the sort of quality of experiments that you may expect to achieve during a commercial development 
program.  Here, I should stress that we have got an active group, working within the main UK Drag Analysis panel, 
on flight test techniques for the assignation of thrust, and hence drag, which is trying to prepare general guidelines 
specifying how to go about it for different types of engine arrangement.  If there are any contributions on an 
international basis which you would like to put into the work of this panel, I am sure that they will be very grate- 
fully received.  Here is one area where we might with advantage have effective international collaboration. 
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THEORETICAL METHODS FOR DRAG PREDICTION 

Theory feasible 

1. Viscid compressible flow about wing-body 
combinations. 

2. Optimised engine installations. 

3. Datum streamlined aircraft (fully-turbulent 
flow) 

4. Wave drag for slender aircraft. 

Afo immediate prospect 

1. Drag with extensive flow separations. 

2. Inferior engine installations. 

3. Transition prediction for practical aircraft 
designs. 

4. Wave drag for non-slender aircraft. 

5. Vortex drag for slender aircraft. 

6. Store installations. 

7. Drag of large excrescences. 

8. Drag at high lift. 

Figure 1 

To finish off, I would like to go back to one of the diagrams (Fig.l) that I showed you previously.  It shows 
the present state of theory and tries to point out the areas where theory is strong, and where there seems to be not 
much likelihood of good theoretical developments in the immediate future. If we take the left-hand side, we have 
mainly been talking in the present discussion about Item 1, leading into Item 3. It would be of great help if we 
could take the datum, streamlined, swept-wing aircraft with supercritical flow, and calculate confidently the drag 
in its main cruising configurations. Obviously, you would like to be able to do this also at least in the take-off 
condition as well.  I would have said that it was within the wits of man for us to do this in the next decade, if we 
collaborate and work together on this problem. Now, let us look at the right-hand side. There is a whole list there, 
and having come to this meeting, I rather hoped that I would get the answers to at least half of these.  I do not 
think I have really got any answers at all.  In some cases we are obviously going to have to rely on empirical 
correlations of data.  In the engine intake and nozzle base flow areas that is all we can really hope for in the 
immediate future.  Some work has been done in the UK by BAG and Rolls Royce and reported in the review paper. 
Look at the other problems you have; wave drag for non-slender aircraft, vortex drag for slender aircraft, quite 
apart from the drag of excrescences and the drag of store installations.  I would like to stress the three-dimensional 
separation cases.  Can we deal with boundary layer developments under three-dimensional conditions, either on a 
swept wing or at junctions of surfaces? If we could deal with those, including the effects of flow separations, then 
we would be making some real progress. Here, I would appeal to the theoreticians among you, that you do not 
only consolidate ground that has already been covered to a greater or lesser extent, but that you go out into 
uncharted areas.  I would like to see one or two unsuccessful theoretical investigations pioneering new areas, rather 
than too much consolidation of areas which have already been treated by a first and, probably, second round of 
theoretical investigation. 

Professor A.D.Young:  Mr Butler has stressed the deficiencies of our existing transonic tunnels. That is not a new 
topic, but it needs stressing.  He has expressed some degree of scepticism about the accuracy with which we can 
measure thrust at present; he would like to see more work done on the concept of a datum streamlined aircraft 
with fully attached flow.  His list includes the topic of engine installations, but we will hear more about that later, 
I am sure.  He drew attention to the fact that we do not know enough about such topics as wave drag of non- 
slender aircraft and vortex drag of slender aircraft.  Does anybody wish to add to the points that he has raised? 

Mr K.G.Winter:   Both Mr Paterson and Mr Butler have mentioned aspects of tunnel techniques. One of the things 
that worries me is how you measure the drag of the backend of things.  The sort of technique that Lockheed have 
used is to support a mod«! on a blade, in order that the backend can be closed and not be distorted by the presence 
of a sting.  I think, for many years to come, we are going to have to use sting supports of one sort or another in 
tunnels.  It seems to me that the technique used is rather an article of faith of a particular organisation.  In the 
US, the faith is in putting a blade at the front end of the aeroplane and hoping that the wake from the blade and 
the sting that comes forward to support the blade do not cause too much interferenpe. In the UK, on the other 
hand, our faith is in using a combination of a single sting and twin stings; the twin stings we use to support the 
model from its wings.  I do not think I have ever seen any measurements in which a given model has been taken, 
and comparisons made of different ways of obtaining the total drag of the aircraft. I think there is room for an 
experimental programme just investigating alternative sting supports. 

. 

/ 

; 



Mr J.H.Paterson:   I would like to say a couple words on that.   For many, many years the rear sting was the 
standard arrangement for transonic tests.  Because most transport configurations have upswept afterbodies, it was 
known for many years that the rear sting arrangement was inadequate.  Consequently, numerous arrangements of 
stings have been investigated.  In fact, in any windtunnel test of a new project, the first test includes an investigation 
of the sting tares.   Various systems have been used to determine sting tares, with varying degrees of success. 

Continuing investigation of means of getting data free of sting interference led to the use of blade-mounts.  The 
use of such mounts however, does not eliminate the need to determine sting tares but does permit the determination 
of valid tares, whereas the rear sting either provides erroneous tares or introduces a compromise in the shaping of 
the rear fuselage.  This also introduces unknown errors.  It is obvious that no single sting arrangement is appropriate 
to all aircraft configurations and that each case must be studied to determine a valid sting system.  A good example 
of the method of obtaining reliable interference free data using a blade mount will be published shortly as a result 
of a study conducted by the Lockheed-Georgia Company under the sponsorship of NASA, Langley. 

Professor W.J.Rainbird:   I would like to strongly endorse the comments of Mr K.Winter, and warn that the problem 
of model support interference is going to get very much worse in the new high Reynolds number facilities being 
proposed.  In reading, recently, that beautifully written final LaWs report, I note that stagnation pressures as high 
as 11 atmospheres are being suggested for the new transonic facilities.   The consequent high loads will result in 
massive, yet highly stressed, stings and will aggravate the base interference problem.  Moreover alternative means of 
support, at the same Reynolds number, will probably not be possible.  This is a very important problem for these 
future facilities which requires some attention. 
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Mr C.L.Bore:  Perhaps I could rub in a couple points made by Dr Küchemann and Mr Butler.  What Dr Küchemann 
was pointing out really, was that well streamlined aeroplanes have got pretty low drag, compared to whatever you 
get whenever you put any sort of nasty bumps on.  So, it is all the nasty bumps that are really our problem.  These 
things amount to perhaps 20% of the drag of nice clean civil aeroplanes, and perhaps 150% of the drag of nasty 
dirty military aeroplanes.   It seems to me that what we really have to concentrate on is finding out not quite how 
to measure the drag of these bumps with great precision, but much more how to make them far less draggy.  There 
are many of these things which have very useful functions, for example, aerials, probes, boundary layer diverters, 
boundary layer fences, vortex generators and then things which are, I am sure, much too roughly made; things like 
military stores and their pylons.   In short we should have more work on making the nasty bits smooth. 

Mr F.AuIehla:   I quite agree that model support for afterbody drag measurements is far from ideal.  Depending upon 
the purpose of the investigation, sting or blade support may be preferable.  There are, however, two additional 
problems which, I think, need even more attention.  I am referring to the problems of Reynolds number effects and 
the model split tine. 

In order to reduce the level of measured total forces and to increase the accuracy in afterbody drag measure- 
ments, usually the complete aircraft model is not put on the balance, but just the afterbody itself, sometimes even 
without tailplanes (as shown in one paper of this conference.   See also AGARD Lecture Series 53, Chapter 4). 

In such cases, where forces on only part of the model are measured, the displacement thickness of the boundary 
layer becomes most important:  incorrect Reynolds number simulation in the windtunnel can then cause completely 
misleading results.  Since correct boundary layer blowing or sucking is (1) difficult to achieve with afterbody models 
and, (2) may introduce additional simulation defects, the only solution seems to lie in a more accurate theoretical 
understanding of the actual flow field, including separation, for model conditions. The extrapolation to full scale 
Reynolds numbers and the definition of better measurement techniques (position of split line, interaction between 
fore and afterbody, etc.) should then be less problematic. 

Professor A.D.Young:  Thank you.  I will now ask M. Sirieix to offer his vews on the points of importance which 
have been raised during the course of this meeting. 

M. M.Sirieix;  Cette discussion concerncra uniquement les problemes de d6collement dont I'importance sur le bilan 
de trainee a 6t^ soulign^e par de nombreuses communications presentees ici.  II s'agit en fait de degager les 
principales voies de recherche thdorique et experimentale qu'il parait souhaitable d'aborder dans un avenir proche 
pour faire progresser cette question. 

L'objectif le plus important, qui a d'ailleurs Hi mentionne par les 2 precedents animatcurs est d'acquerir une 
ionnaissance beaucoup plus precise des phenomenes de decollement tridimensionnel et d'en deveiopper les moyens 
de calcul.  Ce point a iih notamment souligne dans les contributions de Peake et Rainbird et de Surber; les zones 
d^collees apparaissant sur les avions et les engins pr^sentent en effet un caractöre essentiellement tridimensionnel 
du fait de la geometric et de l'incidence. 
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II s'agit en particulier: 

- d'am^liorer les mdthodes de calcul des couches limites turbulentes tridimensionnelles en vue notamment de 
prevoir les lignes de däcollement, 

- de tenir compte dans le calcul du couplage qui s'dtablit entre le d^veloppement des zones d£colldes et celui 
de r^coulement ext6rieur, incluant notamment les effets d'enroulement tourbillonnaire. 

Sur le plan des experiences fondamentales, l'effort de caractdrisation des pMnomönes de ddcollement tri- 
dimensionnel doit egalement porter sur la definition difficile de configurations typiques qui peuvent aider i 
relaboration de modules de calcul. 

Si I'dtude des dcoulements s6par6s tridimensionnels est essentielle, il n'en demeure pas moins que notre 
connaissance et notre maitrise des ddcollements bidimensionnels est encore insuffisante sur bien des points. 

En ce qui conceme le problÄme de la pression de culot, Addy, a montrö ce que Ton pouvait actuellement 
attendre des m6thodes de calcul existantes en supersonique. C'est ainsi que les calculs d'optimisation d'Arridre corps 
de propulseurs, peuvent etre entrepris avec succös, lorsque les couches limites sont d'dpaisseur modirit devant 
I'&endue du döcollement. 

Ces m6thodes donnent bien le sens et la grandeur des variations de la trainee externe sous l'influence des 
facteurs g6om6triques et aärodynamiques intervenant dans la configuration trait£e; elles permettent de pr6voir avec 
assez d'exactitude les performances reelles a partir d'un minimum d'explriences sur maquette. 

Toutefois Addy a signal^ que lorsque le point de separation n'est plus Vixi ä I'arSte d'un culot mais se döplace 
sur le carenage exterieur de l'A mere corps par suite de l'eclatement du jet interne par exemple, les mäthodes de 
provision actuelles des conditions de d6collement d'une couche limite turbulente en ecoulement supersonique sont 
tres insufflsantes. 

Les correlations empiriques disponibles pour de tels calculs ne tiennent pas suffisamment compte de l'influence 
du nombre de Reynolds spdcialement lorsque celui-ci est tris 61ev£, ni plus g£n6ralement de l'gtat de la couche 
limite imm^diatement en amont du d£collement, la plupart des crit^res de ddcollement 6tant en effet ätablis i partir 
d'expiriences effectu6es en 6coulement uniforme. 

Les memes lacunes existent dans la provision des phänomönes d'interaction couche limite — onde de choc en 
transsonique dont I'importance a 6t£ soulign^e par Yoshihara. Dans ce cas, les recherches doivent etre complies 
par I'dtude du comportement aval de la couche limite turbulente, fortement destabilise par le choc et se d6veloppant 
en presence d'un gradient de pression d£favorable. 

Revenani au Probleme de la pression de culot, signalons comme l'a indiquä Pile, la n6cessit6 de trailer le cas 
des couches limites de grande 6paisseur relative. On peut toutefois penser que le ddveloppement des techniques de 
calcul dites de double-couche, entraineront des progrds substantiels dans un avenir proche. 

On peut igalement regretter l'insufflsance des moyens de provision de la pression de culot: des corps de 
revolution en supersonique ainsi que dans des cas plus g6n£raux, en 6coulement subsonique et transsonique.  Le 
seul recours ä l'exp&ience pour traiter les problimes de confluence d'6coulements et d'optimisation d'Arrtöre corps 
dans ces domaines constitue une grave lacune pour les applications pratiques. 

Soulignons enfin comme application particultörement importante des calculs d'ecoulement de culot, la deter- 
mination des corrections des effets de support en dard, dans les essais en soufflerie subsonique.  Si une evaluation 
theorique precise de cette correction etait possible comme en supersonique, il en resulterait un progres trds net des 
mesures de trainee. 

Professor A.D.Young:   Mr Sirieix has affirmed the need for more knowledge on three-dimensional separations, but 
he also pointed out that for a number of cases we do not know enough about two-dimensional separated flow. I 
would strongly support that. He also emphasized the importance of being able to simulate high Reynolds numbers 
by proper simulation of boundary layer thicknesses. He raised the question of boundary layer-shock wave inter- 
actions and their effects; base pressures in the presence of very thick boundary layers; he pointed out that we have 
very little information on bodies of revolution, even at zero incidence, at transonic speeds; and finally, raised again 
the general question of support effects in measurement. Are there any further comments on these points? 

Dr D.J.Peake:  It is most refreshing to see that at this meeting, the work at ONERA, and especially the "gospel" 
according to Eric Maskell of RAE, on the physical aspects of three-dimensional separations and attachments (which 
was published in 19SS), are finally sinking.in, after much tub thumping by RAE, ONERA and NAE. This is 
indeed rewarding! 

.'■ ■' 



With regard to the discussion on interference effects of sting supports, we should keep in mind another 
support problem, namely, the difficulties encountered with half-model testing.  For example, the displacement 
effects of the tunnel wall boundary layer create a reflection plane that is often not a plane of symmetry.  The wall 
boundary layer may also affect the flow in the wing root, thereby causing anomalous results.  The methods of 
supporting the half model at the wall and the immersion of the model in the wall boundary layer therefore deserves 
close attention. 
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Professor A.D.Young:   Are there no other points?  In that case I shall ask Mr Antonatos to say what he thinks are 
the matters of importance which arise from our meeting. 

•A 
Mr P.P.Antonatos:   First, I would like to look at it from the preliminary designers viewpoint.  We talked about 
these correlations today and during the last few days, I was quite heartened to see that, in some cases, the correla- 
tions were exceedingly good, indicating that with the proper attention to very exacting details in both the testing 
techniques and extrapolation of our analysis into those particular areas which are still not too well understood, we 
are able to obtain data to substantiate the windtunnel analysis.  However, from the preliminary design viewpoint, 
you do not have this opportunity to look at the flight data and correct back.  The problem here is to be able to 
design an airplane, especially a combat-type aircraft, and be able to establish its flight performance long before you 
have any really good substantial experimental data.  Thus, the improvement in the correlation techniques, which 
then can feed back to further improving our analytical techniques, is quite important.  Some of the presenters 
discussed some of the correlations, or let us say, the analysis that they are conducting presently in modifying some 
of the earlier techniques that were developed.  It was quite interesting to see that everybody in this area had some- 
thing to say about the Squire-Young methods, the important thing being that they are being reviewed in much 
more detail so as to be applicable to the problems that we have today.   However, 1 have to agree with the discussion 
to date, that the windtunnel simulation techniques are still very critical, in that we do not develop the full simula- 
tion that is required, whether it is in the shock-boundary layer aspect, looking at the high Reynolds number effects; 
whether it is the development of the exact boundary layer in the aft body or the aft section of the aircraft, or even 
worse yet, the boundary layer conditions that exist at the inlet of the airplane, when you have a reduced-scale model 
in the windtunnel.  Therefore, for example, something like the location of the diverter plate or the boundary layer 
diverter becomes a very strong argument and is subject to a lot of drag counts which can or cannot be explained, 
depending on what side of the fence you want to be on.   For the sake of the aerodynamicist, I would like to show 
a rather simpleminded view of the effects looking at a nacelle on an extended Mach number aircraft. 
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From there, you can see the importance of the aerodynamics vs the combustion process, especially at transonic and 
supersonic speeds.  I think most of you do not require any detailed explanation of this, but you can see that when 
you get ^ove the climb speed, and here I am talking rather medium-high Mach numbers, the propulsive thrust 
basically depends on aerodynamic phenomena, either through the inlet or through the nozzle.  This particular curve 
is a cumulative analysis.  You can see that the propulsion unit itself, that is the combustion process, only provides 
something in the order of 20% of the thrust. The remainder of the thrust comes from the nozzle, and the inlet. 
The inlet, as you get up to high Mach numbers, provides about 80% of the thrust.  Therefore, careful analysis of 
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these phenomena is very critical in any new design because here you can very definitely get into rather gross errors 
where you can mistakenly tie them back to the combustion process, instead of an aerodynamic flow problem. 

In reviewing some of the test data, I would like to take the opportunity also to show some of the effects on 
nacelle pressure distribution when in this particular case you fair the inlet, as compared with an unfaired inlet. 

SUPERSONIC 
M-'2 

FAIRED 
« ^~x      FLOW-THROUGH 
Cp .2 

V 

NOZZLE 
NACELLE 

EFFECT OF INLET FAIRING ON 
NACELLE PRESSURE DISTRIBUTION 

This is for a high by-pass and for a supersonic case of Mach number 2.  In some rather preliminary work that has 
been done lately, fairing the inlet shows a rather big discrepancy in the nacelle pressure distributions, as compared 
to looking at it in the flowthrough case.  There are quite a few drag counts here, when you relate the pressure 
coefficient back to the performance of an airplane.  Also, we have the effect of fairing the inlet vs a non-faired 
inlet on pressure distributions on the tail surface. 

SHIELDED INLET 

^FLOW-THROUGH 

• 

EFFECT OF INLET FAIRING ON HORIZONTAL 
TAIL PRESSURE DISTRIBUTION 

Here again, you can see on a particular test with a shielded inlet, the difference that occurred on the pressure 
distribution on the horizontal tail again affecting not only the lifting cap.    ily, but also the total pitching 
capability of the airplane. 
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In reviewing all the past data that has been available to us, we have developed a list of most critical items that we 
feel are not receiving focused attention to date. 

MOST CRITICAL ITEMS NOT RECEIVING FOCUSED ATTENTION 
n-i 

' 
• ASSESSMENT OF THE VALIDITY OF TRANSONIC WIND TUNNEL TESTING AND EXTRA- 

POLATION TECHNIQUES BY COMPARISONS BETWEEN EXTRAPOLATED WIND TUNNEL 
DATA AND FLIGHT DATA 

• ASSESSMENT OF THE INFLUENCE OF TUNNEL GENERATED TURBULENCE AND NOISE 
ON DYNAMIC MEASUREMENTS 

• DETERMINATION OF PRACTICAL LOWER LIMIT OF REYNOLDS NUMBER FOR TESTING 
OF AIRCRAFT AT TRANSONIC SPEEDS 

• DEVELOPMENT OF EXPERIENCE IN THE USE OF LUDWIEG TUBE FACILITIES FOR 
AIRCRAFT INVESTIGATIONS 

• IMPROVEMENT OF WALL INTERFERENCE CORRECTIONS AT TRANSONIC SPEEDS FOR 
EXISTING TUNNEL DESIGNS 

• DEVELOPMENT OF IMPROVED WALL DESIGN CONCEPTS TO PERMIT RELIABLE DATA 
TO BE OBTAINED AT NEAR SONIC SPEEDS FOR MODELS AT HIGH LIFT AND LARGER 
BLOCKAGES 

' 

• DEVELOPMENT OF NON-INTERFERING FLOW DIAGNOSTIC TECHNIQUES 

Basically, it goes back to many of the comments that have been made by the other members of this roundtable, in 
addition to comments from the floor.  It is quite an extensive list.  Actually, in principle, it discusses the validity 
of transonic windtunnel testing and extrapolation of the data. These are the various items, that is the influence of the 
tunnel generated turbulence and noise, which I think a group in AGARD is now reviewing. Of course, looking at 
the Reynolds number effect, looking at developing experience in Ludwieg tube facilities, but more importantly in 
the following items of the list looking at tunnel wall interference effects for present day windtunnels, because 
today those are the tunnels that we still have to use. In only a very few cases are the tunnels large enough to do 
any large scale model testing.  Most of the time we have to resort to very small models. Wall correction procedures, 
which have been developed in the past, dealt basically with low C^'s and slender bodies. The application of these 
correction procedures to high angles of attack in a cicely coupled airplane, that is a fighter type that will pull a 
manoeuvring condition, with the inlets and nozzle all grouped together with the fuselage, makes it extremely 
difficult to have a reliable application of the correction procedures that exist today.  Of course, there are possibilities 
of improving the present wall designs, porosity schedules and various methods of this sort to improve this validity. 

In regards to one of the comments, it is too early to really assess many of the support systems. We are presently 
running a test on heavily instrumented models of three different scales, and also the airplane itself will be heavily 
instrumented, and the instrumentation will be matched between the windtunnel and flight. Hopefully, within a 
year, we will be able to obtain very exact correlations in the area of the inlet nozzle interference problem.  At least, 
we will have masses of data to be able to look at. We will also use different support systems, that is we will have 
the half-scale model, we will have a sting support and a blade support, and in addition, we will have a very high 
strength model to be able to crank it up to extremely high angles of attack in the tunnel, hopefully, to be able to 
get data that can be correlated throughout the entire manoeuvring range of this particular airplane. Possibly next 
September (1974) we will be able to provide some preliminary reports on this. 

Professor A.D.Young:  Mr Antonatos has raised a number of new points in addition to those that have already been 
raised. He drew attention to a particularly important point; that is, at a certain stage in the design of an aircraft, 
when windtunnel and other test data are available, it is evidently possible, by considerable care and attention to 
detail, to make predictions in which one can be hopefully confident. At the preliminary design stage, however this 
is unfortunately not yet the case.  He also re-emphasized the deficiencies existing in the techniques that we have. 
Windtunnel testing techniques and the like have a number of defects, and we saw a number of points listed on the 
slide shown on the screen.  He emphasized the importance of inlet flow ;onditions in a very graphic and interesting 
way.  He drew attention to the tremendous importance at transonic speeds of knowing a lot more than we do at 
present of all the possible sources of interference that there are. 

Bl 
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Mr P.PAntonatos:  Some of these effects are due to the unusual spillage characteristics that occur, as compared 
to an inlet that takes in the entire flow.  In the particular case of the first curve that we looked at just a few 
seconds ago, the by-pass flow is sufficient to give you more rolling moment and yawing moment on the airplane, 
depending on how you by-pass, than your aerodynamic control surfaces do. 

m 



Professor A.D.Young:  I am glad that you mentioned that, because one of the lessons that became evident during 
the course of the meeting is that there are a number of new problems that have been introduced in achieving 
satisfactory techniques of testing by the advent of high by-pass ratio engines.   It is clear that a lot more work has 
to be done on them. 

Q-lo 

Dr D.J.Peake: As I am sure Mr Antonatos is aware, one may compare the pressure distributions about a nacelle 
(and upon an adjacent wing surface) using either a blocked nacelle or a "through-flow" nacelle, but neither of these 
may be representative of the flight installation.  At an earlier AGARD meeting on "Aerodynamic Interference", it 
was shown that especially with high by-pass ratio engine installations, one was forced to provide a more sophisticated 
model engine simulator with rotating machinery within the nacelle, to obtain a representative inflow as well as efflux, 
and to provide realistic static pressures on the aerodynamic surfaces in proximity to the powerplant. 

Mr P.P.Antonatos:  One of the questions that still remains is whether one needs a cold or hot efflux. 

Mr D.C.Leyland: I am probably stepping back a little bit, but I am wondering if I can make a plea to the fluid 
dynamicists to help the engineers a little more by providing a link between the theories that they have produced 
and the engineering judgements that we have to make. 

We have heard quite a lot about testing techniques in windtunnels, and of how one adds together various model 
measurements to produce a total drag.  Yes, it is wholly logical that it is the thing to do, but unfortunately, as 
many of you will appreciate, in the design of aircraft you have to take decisions long before tunnel measurements 
can be made. Therefore, I wonder whether there is any hope of getting rather better basic drag estimating methods. 

Maybe I should take some particular cases; for example, the supersonic drag of a bluff aircraft.  I am not now 
referring to Concorde or to other aircraft that are fairly slender, because, going back to Harris and the supersonic 
area rule I think this gives reasonable estimates of supersonic drag.  In contrast we find that when you look at a 
bluff aircraft you just cannot calculate its wave drag with any confidence and Mr Bore has already mentioned the 
problem. Taking a simple case; how do you calculate the supersonic drag of a rather short fuselage with a canopy? 
An asymmetric case.  Is there any possibility of us getting some working rules that we can use as routine for 
practical design? 

Another example is afterbody drag.  I wonder again whether it is worthwhile someone in the fluid dynamics 
field taking a special interest. There is no doubt that the afterbody gives one of the largest numbers in a synthesis 
of aircraft drag.  Is there something that can be done which will allow us to theoretically optimise the afterbody? 
Most of what has been done to date, in the US and elsewhere, has been completely empirical. We have had to use 
models in tunnels. 

Maybe, as an instance, I could finish by asking Dr Smith a particular question.  Could he offer some method 
that would allow us to calculate whether the FI4 nozzle separation is the right arrangement to go for or not?  We 
have had comparative data for tunnels, but is there a three-dimensional method of calculation available, even if it is 
restricted to non-separated flow? Can we have methods that will allow us to optimise by theory, or semi-empirical 
theory, rather than always having to rely upon tunnel tests? 

Mr A.M.O.Smith: What I had in mind when I said we were making good progress in three-dimensional flow theory 
is more the idealized three-dimensional problem - not three dimensional with all sorts of co' .'irs and intersections, 
or even wing tips. The afterbody of something like the FI4 is practically all intersecticr.3 . id I do not now see any 
solution. We should be thankful that we have windtunnels. Even though they are imperfect we will still have to 
depend on them. 

Mr E.C.Rooney:  I have some comments on F-14 afterbody drag since \ am intimately familiar with it. The F-14 
configuration, as I guess everyone here knows, was based on windtunnel tests of idealized afterbody/nozzle 
configurations conducted in the USA about five years ago. The design was essentially built around those tests.  The 
flight data I presented this morning (I did not have time to discuss in detail the cruise condition) shows that we 
did not realize the drag reduction on the afterbody and nozzles for the cruise nozzle condition that was anticipated 
from those tests. We were able to duplicate the aircraft cruise nozzle drag later with a very detailed and sophisticated 
propulsion windtunnel model. Therefore, there needs to be some method developed to predict aircraft drag, 
especially the afterbody, for practical aircraft configurations prior to the design of th: airplane because the design 
cannot be economically changed during the service life of the aircraft. 

Professor Dr K.Gersten:  1 want to comment on Mr Smith's discussion regarding interference effects in comer flows 
and other complicated three-dimensional flows.  The difficulty is that classical boundary layer theory does not apply 



to those flows in which the boundary layer thickness is large compared with the local surface curvature radius. 
Classical boundary layer theory simply does not provide the appropriate theoretical framework for the analysis of f\\ \ 
such flows.  It seems to me that one might consider new approaches for situations in which the boundary layer     it   ' ' 
thickness exceeds the surface curvature radius by a large amount, as, e.g., in sharp corners.   Because, in the latter 
case, the Reynolds number based on the radius of curvature is very small, classical boundary layer theory is clearly 
inappropriate and one should consider Stokes flow as an alternative. 

A 

Professor D.Küchemann:   I would like to come back to this question about making decisions in the design of an 
aircraft and the wish to do that before one has windtunnel results.  This question was discussed at great length by 
the Large Windtunnel Working Group, which this panel has set up.  It was also dealt with in a report by Dr Mitchell 
from the AEDC, who consulted many aircraft designers on this very point.  I think the proceedings of this meeting 
have confirmed the conclusions we came to in the working group, and also what Dr Mitchell said, namely, that you 
have to wait in making decisions.  You cannot freeze your aeroplane at an early stage.  We are simply not good 
enough in predicting the performance.  Even computers do not really help us enough, at least, at this stage.  Roughly 
speaking, Mitchell recommends that at least 70% to 80% of the whole windtunnel testing should be completed 
before the design is frozen, and I think this is sound advice.  You just can not come to a decision before that. 

Mr P.P.Antonatos:  I would like to remind Professor Küchemann that that is a very nice statement, I agree with it 
whole heartedly, but the people who are buying the airplanes do not always concur. 

Assoc. Professor C.Ciray:   I have listened very carefully to the discussion and the comments and the counter- 
comments.  I will not try to summarize the discussion, since it is not my duty.  An important point seemed to be 
missing among the problems that were discussed here.  Indeed, one of the fundamental problems of fluid 
dynamics, that is non-linearity was somehow mentioned; the other fundamental problem, that is the difficulty of 
taking into consideration complex boundary  conditions was somehow mentioned, perhaps under the general 
heading of "three-dimensional effects"; but the other one that has not been mentioned actually was turbulence.  I 
wonder if anything about this problem has to be mentioned or does it not deserve any attention from either a practical 
point of view or from a fundamental point of view? I just wanted my mind clarified about this point. 

Professor A.D.Young:  When you mentioned turbulence, do you mean turbulence in the boundary layer or 
turbulence in the external stream? 

Assoc. Professor C.Ciray:  Precisely, one and the other one. 

Professor A.D.Young:  There was, of course, in the list that Mr Antonatos threw on the screen, a reference to the 
important effects of noise and turbulence in windtunnel measurements. 

Mr P.P.Antonatos: There is an extensive program going on right now at AEDC examining this particular phenomenon, 
the effect of turbulence on so-called force measurements. They are just in the process of obtaining and reducing 
the data, so I really cannot give you any final comment on it at the present time.  It is recognized as a critical 
problem, and there is a very extensive program.  I believe also that NASA is carrying on similar type experiments. 

Professor A.D.Young:   Perhaps Professor Küchemann might confirm this, but I believe that one or two of the 
lectures that will appear shortly in an AGARD publication of a VKI lecture course deal with this problem - that 
of turbulence in windtunnel measurements. 

If there are no further comments, I will now ask Professor Wuest t-j give us his contribution to our roundtable. 

t 

Professor Dr W.Wuest:  We have heard from the papers presented at this mc sting in the field of hypersonics that 
much progress has been made, especially in the last decade.  Many experimental results have been obtained, 
especially for simple-shaped bodies such as spheres, cones or cylinders. These measurements have covered many 
decades of Reynolds number running fror i free molecular flow to continuum flow.  Adequate theories have 
contributed to a better understanding of i «e flow processes.  However, if we try to analyze measurements on more 
complicated bodies such as wing-body configurations or re-entry bodies, etc., we find that there are a lot of new 
problems which should be solved in the future.  In view of the very low research capacity in the field of hypersonics, 
a selection of problems of main interest should be made. I would want to apply my opinion to which problems 
should be of priority in this field.  If you begin with the free mol« cular range, we have learned that well established 
theories are now available for the calculation of the flow field for convex bodies or for concave bodies.  I think 



that we lack knowledge on gas surface interactions, especially if we consider surfaces with mono- or multi- 
molecular sheets, or if we consider molecules with excitation of internal degrees of freedom, and if we consider the 
reflection of such molecules on the surface.  There is some lack of knowledge, if we go, for example, to the second 
field, i.e., the field of the transitional regime.   I think that the main problems for more complicated bodies are the 
interaction effects.  We have in rarefied flow a very strong viscosity action.  For example, interaction of wing and 
body, we have also the leeside vorticity interaction which contributes to a large rise in heat transfer, for example, 
on the leeside of an afterbody.  Much work should be done in these interaction problems.   We have learned that 
different methods exist for calculating the flow on simple bodies, and these methods, even in these simple cases, 
are very complicated. There is little hope that in the near future, we will be able to calculate complicated three- 
dimensional flow fields on more complex bodies.  Therefore, I think it is necessary to develop approximate semi- 
empirical theories, especially for engineering applications, to calculate the flow field on such configurations.  Another 
research problem in the field of this transitional flow is a correct interpretation of windtunnel measurements. We 
have learned in these lectures that relaxation effects are very different in free flight and in the windtunnel simulation. 
This may be one part of corrections.  In most facilities conical nozzles are used for the production of hypersonic 
flow.  We know that the flow conditions are often very unsatisfactory, and I think that it is necessary to make the 
flow field in such windtunnels better, for example, by using contoured nozzles, or by strong cooling of the wall in 
order to reduce the viscosity effects, which may also influence the results in such windtunnels. To conclude, with 
the continuum regime, in my opinion, the most interesting problem in this field is laminar transition, i.e., transition 
to turbulent flow in rarefied continuum flow.   I think the hypersonic Lud*ieg tube tunnel is well suited to study 
such problems, which are also very important for technical applications. 

H3u 

Professor A.D.Young:  Thank you Professor Wuest.  Would anyone like to add to this list of problems in hypersonic 
flow ranging from free molecular flow involving gas surface interactions to problems of transition in continuum 
flow? i 

Professor Dr K.Gersten:   1 want to comment on scaling hypersonic flows with relaxation, i.e., non-equilibrium flows. 
I am not certain if the similarity laws for non-equilibrium flow around a body have been established.  It has been 
traditional to use those scaling parameters, the Reynolds number. Mach number and Knudsen number, which are 
clearly appropriate for equilibrium flows.   However, since chemical reaction times are difficult to scale, scaling 
parameters such as, e.g., the ratio of relaxation length to the characteristic body dimension, must be included in 
the design and interpretation of the windtunnel experiments.  It is not inconceivable that one might determine that 
a scaling factor of u.iity obtains and that only a full-scale model test is meaningful.  Purposeful design of windtunnel 
experiments requires that the similarity laws for non-equilibrium flows be known. 

Professor Dr W.Wuest:  The first thing to be done is to investigate how large is the influence of these effects on the 
results in windtunnels, and perhaps to find out what corrections could be applied in order to make the results 
better.   Full simulation is surely not possible, but it may be possible to correct the measurements for such effects. 

Professor Dr K.Gersten:   It may be that the scaling parameters such as the ratio of the relaxation length to the 
characteristic body dimension are much more important than the Reynolds number or the Mach number.  In the 
past, most measurements have been scaled and correlated with Reynolds number and Mach number.  My opinion 
is that theory can provide a better framework for the interpretation of windtunnel data and assist in the design of 
experiments which are physically meaningful. 

Professor Dr W.Wuest:  Yes.  1 think the next step must be done by theory. 

Professor A.D.Young:  It only remains for me to sum up.  I am not going to attempt to list again all the points 
that have been raised. Of those that have been mentioned, the subjects that seem to me to stand out as particularly 
requiring further work are:  the calculation of the drag of wings at angles of incidence, particularly those 
approaching stalling conditions; the particular problems of drag at transonic speeds associated with supercritical 
wings; separation presents problems that will be with us for a long time, and we must go on working away at them, 
both in two dimensions and three dimensions.  I do not see the problems of separated flow as easy to solve, but I 
think we will gradually develop theoretical methods of dealing with them.   High by-pass ratio engines and their 
simulation in windtunnels call for attention, as do the problems of thrust measurement with high by-pass ratio 
engines.  Shock-boundary layer interaction presents problems which are perennials but which call for increasing 
attention, and we need to do a lot more work on them. Finally, we have heard from Professor Wuest of the major 
problems in hypersonic flow, which again I will not attempt to repeat. I think we have covered our subject fairly 
thoroughly. As always, one comes away with the feeling that there are now more problems as a result of our 
discussion than there were before. That is what we call progress.  It only remains for me to thank you all for 
attending so diligently to the papers that have been presented, and to thank those people who have prepared papers. 
They were all extremely interesting and valuable and added considerably to our knowledge of the field. I would 
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like to thank particularly my fellow panel members for their excellent review papers.  Every one of those review 
papers will stand on its own as a major contribution to the literature.  I would like personally to thank our panel 
executive and his able assistant for all they have done towards making this meeting a success, which I hope it has 
been.   Last but not least we should thank our host Professor Karhan and all his colleagues for all they have done 
to make our stay here a very happy one. 
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CATEGORY I - PUBLISHED BY TECHNIVISION SERVICES AND 
PURCHASABLE FROM BOOKSELLERS OR FROM:- 

Technical Press Ltd 
112 Westbourne Grove 
London W.2 
England 

Circa Publications Inc. 
415 Fifth Avenue 
Pelham 
New York 10803, USA 

Hans Heinrich Petersen 
Postfach 265 
Borsteler Chausee 85 
2000 Hamburg 61 
West Germany 

Diffusione Edizioni Anglo-Americaine 
Via Lima 
00198 Rome 
Italy 

1969 

AGARDograph 120 

1970 

AGARDograph 115 

AGARDograph 130 

Conference 
Proceedings 38 

Supersonic turbo-jet propulsion systems and components 
Edited by J.Chauvin, August 1969. 

Wind effects on launch vehicles 
By E.D.Geissler, February 1970. 

Measurement techniques in heat transfer 
By E.R.G.Eckert and R.J.Goldstein, November 1970. 

New experimental techniques in propulsion and energetics research 
Edited by D.Andrews and J.Surugue, October 1970. 

CATEGORY II - NOT ON COMMERCIAL SALE - FOR 
AVAILABILITY SEE BACK COVER 

1967 

Report 558 

Advisory Report 13 

AGARDograph 98 

AGARDograph 117 

AGARDograph 119 

AGARDograph 121 

Experimental methods in wind tunnels and water tunnels, with special emphasis on the 
hot-wire anemometer 
By K.Wieghardt and J.Kux, 1967. 

Aspects of V/STOL aircraft development / 
(This report consists of three papers presented during the joint session of the AGARD 
FDP and FMP held in Göttingen, September 1967.) 

Graphical methods in aerothermodynamics 
By O.Lutz and G.Stoffers, November 1967. 

Behaviour of supercritical nozzles under three-dimensional oscillatory conditions 
By L.Crocco and W.A.Sirignano, 1967. 

Thermo-molecular pressure effects in tubes and at orifices 
By M.Kinslow and G.D.Amey, Jr, 1967. 

Techniques for measurement of dynamic stability derivatives in ground test facilities 
By C.J.Schueler, L.K.Ward and A.E.Hodapp, Jr, 1967. 



AGARDograph 124 

Conference 
Proceedings 19 
(in two parts) 

Conference 
Proceedings 22 

Conference 
Proceedings 22 - S 4 

Nonequilibrium effects in supersonic-nozzle flows 
By J.Gordon Hall and C.E.Treanor, 1967. 

Fluid physics of hypersonic wakes 
Specialists' Meeting, Fort Collins, Colorado, May 1967. 

Fluid dynamics of rotor and fan supported aircraft at subsonic speeds 
Specialists' Meeting, Gottingen, September 1967. 

As above -- with supplement. 
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1968 

AGARDograph 132 

Conference 
Proceedings 30 

Conference 
Proceedings 30 Suppl. 

Conference 
Proceedings 35 

Conference 
Proceedings 35 Suppl. 

The electron beam fluorescence technique 
By E.P.Muntz, 1968. 

Hypersonic boundary layers and flow fields 
Specialists' Meeting, London, May 1968. 

Supplement to the above. 

Transonic aerodynamics 
Specialists' Meeting, Paris, September 1968. 

Supplement to the above. 

1969 

Advisory Report 17 

AGARDograph 134 

AGARDograph 135 

AGARDograph 137 
(in two parts) 

Conference 
Proceedings 42 

Conference 
Proceedings 48 

Technical Evaluation Report on AGARD Specialists' Meeting on Transonic aerodynamics 
By D. Küchemann, April 1969. 

A portfolio of stability characteristics of incompressible boundary layers 
By H.J.Obremski, M.V.Morkovin and M.Landahl, 1969. 

Fluidic controls systems for aerospace propulsion 
Edited by R.J.Reilly, September 1969. 

Tables of inviscid supersonic flow about circular cones at incidence  7 = 1.4 
By D.J.Jones, November 1969, 

Aircraft engine noise and sonic boom 
Joint Meeting of the Fluid Dynamics and Propulsion and Energetics Panels, held in 
Saint-Louis, France, May 1969. 

The aerodynamics of atmospheric shear flow 
Specialists' Meeting, Munich, September 1969. 

1970 

Report 575 

Advisory Report 22 

Advisory Report 24 

Advisory Report 30 

Test cases for numerical methods in transonic flow 
By R.C.Lock, 1970. 

Aircraft engine noise and sonic boom* 
By W.R.Sears. (Technical Evaluation Report on AGARD FDP and PEP Joint Meeting on 
"Aircraft engine noise and sonic boom".) January 1970. 

The aerodynamics of atmospheric shear flows 
By J.t.Cermak and B.W.Marschner, May 1970.  (Technical Evaluation Report on AGARD 
Specialists' Meeting on "The aerodynamics of atmospheric shear flows".) 

Blood circulation and respiratory flow 
By J.F.Gross and K.Gersten, December 1970.  (Technical Evaluation Report on AGARD 
Specialists' Meeting on the above subject.) 

See also Advisory Report 26 by J.O.Powers and M.Pianko, June 1970. AR26 has the same title as AR22 but was produced by the 
Propulsion and Energetics Panel of AGARD and deals primarily with engine noise. 
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AGARDograph 138 

AGARDograph 144 

AGARDograph 145 

AGARDograph 146 

AGARDograph 147 

Conference 
Proceedings 60 

Conference 
Proceedings 62 

Conference 
Proceedings 65 

Conference 
Proceedings 71 

Ballistic range technology 
By T.N.Canning, November 1970. 

Engineering analysis of non-Newtonian fluids 
By D.C.Bogue and J.L.White, July 1970. 

Wind tunnel pressure measurement techniques 
By D.S.Bynum, R.L.Ledford and W.E.Smotherman, December 1970. 

The numerical solution of partial differential equations governing convection 
By H.Lomax, P.Kutler and F.B.FulIer, November 1970. 

Non-reacting and chemically reacting viscous flows over a hyperboloid at hypersonic 
condition 
Edited by C.H.Lewis.   (M.Van Dyke, J.C.Adams, F.G.Blottner, A.M.O.Smith, R.T.Davis 
and G.L.Keltner were contributors.)  November 1970. 

Numerical methods for viscous flows 
By R.C.Lock, November 1970.  (Abstracts of papers presented at a Seminar held by the 
FDP of AGARD at the NPl. Teddington, UK, 18-21 September 1967.) 

Preliminary design aspects of military aircraft 
March 1970, AGARD Flight Mechanics Panel Meeting held in The Hague, The Netherlands, 
September 1969. 

Fluid dynamics of blood circulation and respiratory flow 
Specialists' Meeting, Naples, May 1970. 

Aerodynamic interference 
Specialists' Meeting, Silver Spring, Maryland, USA, September 1970. 

1971 

Report 588 

Advisory Report 34 

Advisory Report 35 

Advisory Report 36 

Advisory Report 37 

AGARDograph 137 
(third volume) 

AGARDograph 148 

Conference 
Proceedines 83 

Conference 
Proceedings 91 

Aerodynamic testing at high Reynolds numbers and transonic speeds 
By D.Küchemann, 1971. 

Aerodynamic interference 
By D.J.Peake, May 1971.  (Technical Evaluation Report of the Specialists' Meeting on 
"Aerodynamic interference", September 1970.) 

Report of the high Reynolds number wind tunnel study group of the Fluid Dynamics 
Panel 
April 1971 

Report of the AGARD Ad Hoc Committee on Engine-airplane interference and wall 
corrections in transonic wind tunnel tests 
Edited by A.Ferri, F.Jaarsma and R.Monti, August 1971. 

Facilities and techniques for aerodynamic testing at transonic speeds and high Reynolds 
number 
By R.C.Pankhurst, October 1971.  (Technical Evaluation Report on Specialists' Meeting 
held in Göttingen, Germany, April 1971. 

Tables of inviscid supersonic flow about circular cones at incidence,  y = IA 

Part III, by D.J.Jones, December 1971. 

Heat transfer in rocket engines 
By H.Ziebland and R.C.Parkinson, September 1971. 

Facilities and techniques for aerodynamic testing at transonic speeds and high Reynolds 
number 
August 1971.   Specialists' Meeting held in Göttingen, Germany, April 1971 

Inlets and nozzles for aerospace engines 
December 1971    Meeting held in Sandefjord, Norway, September 1971. 
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1972 

Report 598 

Report 603 

Advisory Report 46 

Advisory Report 60 

AGARDograph 156 

AGARDograph 161 

AGARDograph 163 

AGARDograph 164 

AGARDograph 165 

Conference 
Proceedings 93 

Conference 
Proceedings 102 

Conference 
Proceedings 111 

Lecture Series LS42 

Lecture Series LS49 

Lecture Series LS53 

Lecture Series LS57 

Experiments on management of free-stream turbulence 
By R.I.Loehrke and N.M.Nagib, September 1972. 

Aerodynamic test simulation:   Lessons from the past and future prospects 
Edited by J.Lukasiewicz. 

Turbulent shear flows 
By R.Michel, July 1972.   (Technical Evaluation Report of the Specialists' Meeting on 
"Turbulent shear flows", September 1971.) 

The need for large wind tunnels in Europe 
Report of the Large Wind Tunnels Working Group, December 1972. 

Planar inviscid transonic airfoil theory 
By H.Yoshihara, February 1972. 

Ablation 
By H.Hurwicz, K.M.Kratsch and J.E.Rogan, March 1972. 

Supersonic ejectors 
Edited by J.J.Ginoux, November 1972. 

Boundary layer effects in turbo-machines 
Edited by J.Surugue, December 1972. 

Heat transfer measurements in short-duration hypersonic facilities 
By D.L.Schultz and T.V.Jones. 

Turbulent shear flows 
January 1972.   Specialists' Meeting held in London, England, September 1971. 

Fluid dynamics of aircraft stalling 
November 1972.   Specialists' Meeting held in Lisbon, Portugal, April 1972. 

The aerodynamics of rotary wings 
February 1973.   Specialists' Meeting held in Marseille, France, September 1972. 

Aerodynamic problems of hypersonic vehicles.  (Two volumes) 
Edited by R.C.Pankhurst, July 1972. 

/ 
Laser technology in aerodynamic measurements 
Edited by R.C.Pankhurst, March 1972. 

Airframe/engine integration 
May 1972. 

Heat exchangers 
January 1972. 

1973 

Report 601 

Report 602 

Advisory Report 61 

Lecture Series LS56 

Problems in wind tunnel testing techniques ' 
April 1973. 

Fluid motion problems in wind tunnel design 
April 1973. 

Technical Evaluation Report on the Fluid Dynamics Panel Specialists' Meeting on 
Aerodynamics of rotary wings 
By N.D.Ham, March 1973. 

Aircraft performance - prediction and methods optimization 
Edited by J.Williams, March 1973. 
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Lecture Series LS63        Helicopter aerodynamics and dynamics 
March 1973. 

Lecture Series LS64       Advances in numerical fluid dynamics 
February 1973. 

FORTHCOMING PUBLICATION 

Report 600 Problems of wind-tunnel design and testing 
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