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FOREWCRD

Current research and future prospects in the field of aerod/namic drag were presented
and discussed at this Specialists” Meeting. Main emphasis was placed on subjects of practical
value to the aerospace industry in relation 1o its need for accurate prediction and measure-
m.nt of drag, and for its alleviation. d

Twenty-seven papers were presented and discussed; the meeting concluded with a
Round Table Discussion drawing out the main conclusions of the separate sessions.

Many of the papers weie discussed after their presentation, but in accordanc: with a
decision of the Fluid Dynamics Panel that a free discussion at that stage is preferabl. tc
one accompanied by the -nnibiting effects of recording procedures, such discussions were i

not recorded and are not ir.cluded in these proceedings. Il
The Specialists’ Meeting was held at the Grand Hotel Efes, l.:nir, Turkey, at the :’;
invitation of the Turkish National Delegates to AGARD. . &
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TECHNICAL EVALUATION REPORT
by

S.F.J.Butler
Ministry of Defence, UK

1 PREAMBLE

The AGARD Fluid Dynamics Panel organised a four-day Specialists! Meeting on 'Aerodymamic Drag! which
was held at the Grand Hotel Efes in Ismir, Turkey, from 10th to 13th April 1973. The Programme
Committee, which was led Professor A.D. Young, F.R.5., Queen Mary College (U.X.), comprised
Mr. P,P, Antonatos (U.S.A.), M,L!Ing.Gen,P, Carritre (France), Prof, K. Gersten (Germany),

Mre Jo.Po Hartzuiker (Netherlands), Dr, Ing. U, Sacerdote (Italy), and Mr. R.J. Templin (Canada)., The
menmbers of tae Programme Committee also undertook the duties of Session Chairmen, Prof. Young

chaired the concluding round-table discussion, for which the panel consisted of the authors of

tha invited Reviews, Mr, J.H. Paterson (U.S.4.), M.M. Sirleix (France), Mr. P.P. intonatos (U.S.A,)
Prof. W, Wuest (German) and Mre S.F.J. Butler (UsK.)s The present author was invited by the Programme
Committee to prepare the Technical Evaluation Report on the Conference, The advice of the Programme
Committee in the preparation of this Report is gratefully acknowledged, but it must be stressed that
the detailed views expressed are the sole responsibility of the writer.

Section 2 presents some basic conslderations involved in the consideration of Aircraft Drag, The
following Section deals jointly with the first two Sessions of the Conference (on General Aircraft Drag
and Wing Drag), including the invited Review papers of Paterson 1 ani Butler 6, Section 4 concerns
Base Drag and Separation (Session 3), including the Revi.w contributed by Sirieix 11. Interaction
effects %Session 4), and the Antonatos Review 15 are considered in Section 5, whilst Section 6 deals
wvith the essentially-distinct subject of Hypersonic Drag and the Wuest Reviow 20, The conference ended
with a Session on Test Techniques and Flight/Windtunnel comparisons (Section 7) and a round-table
disoussion reported in the full Conference Proceedings.

Some main conclusions and recommendations to the Fluid Dynamics Panel are contained in Section 8.
A 1list of the Conference papers is appended for reference purposes,

2 GENERAL CONSIDERATIONS

A primary objective of research on aerodynamic drag is the development and proving of prediction
methods in a form suitable for direct use by aircraft development teams and by thoss who have to assess
the relative merits of alternative designs, Aircraft drag estimation methods are needed at various
levels of sophistication and reliability 6 (Fig 1)e Basic statistical analyses can form the basis
of an acceptable forecasting procedure at the feasibility stage, although such an approach is essentially
conservative and can lead to the perpetuation of low design standards, as well as belng of little
use when novel aircraft design concepts are under consideration, Of some significance is the ability
to predict reliably the drag of a datum streamlined aircraft with fully=turbulent flow, against which
achieved drag levels can be compared in a figure-of-merit approach. During the design development
and refinement stage, the research aims include the achievement of drag design objectives and the
limitation of drag growthe In this phase, drag predictions in practice must be prepared by a process
of synthesis (rather than simple sumations s within a format which can readily accommodate the changiug
sources of data, In the third stage, performance deficienciss must be rectified and the guaranteed
performance predicted for a full range of operating conditions, involving analysis and interpretation
of prototype flight-test data,

Fig 1. Three Stages of Drag estimation in Aircraft design

| Stage Feasibility Development ' Pre=production

Ainms Respond to market opport— | Meet objectives and Rectify design defects

unity or military target control drag growth end estimate operational !
performance

Type of estimate Quick approximate fore- Validated refined Guaranteed performance
casts eatimates predictions

Design status Outline sketch Main features crosen Frozen

Main data sources ( Theory { Theory (Theory
General ( Model Specific ( Model Specific (Model

( Afrcraft General Aircraft Prototype

A flexible approach to drag prediction is particularly vital in the all-important research and
development phase, preferably one in which a consistent framework is used based on aerodynamic theory,

suitably supported by aimed research on specific key areas and velidated by means of critical analyses ”{}
of selected ad hoc model and aircraft test data, Although such a framework needs to provide for the 13
progressive introduction of proven theoretical methods as these become available, the present ﬁjf;‘
Conference has confirmed that a comprehensive drag prediction mcthod, valid for the current main }
{3
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classes of aircraft and based entirely on theory, is not likely to be pessible for a long time to come,.
Thus, careful judgement will continue to be needed in the cholce of an optimum blend of prediction
methods, if full advantage is to be taken of the data avallable from specialised and ad hoc research
resultss A clear need and opportunity thus exists for collaboration within AGARD to ensure that
neximum benefit is obtained from national and industrial aimed research programmes relevant to drag
estimation, This must include adequate attention to tunnel flow quality improvements and to flight
and tunnel testing techniques. Moreover, the variety and difficulty of the theorstical problems
which now present themselves are such that co-operation on an international basis seems essential

to achieve a more optimal application of scarce original theoretical effort than applies at present.

In order to put matters into perapective, it is desirable to examine the relative magnitudes of
the drag contributions dus to different basic causes; 1llustrative drag breakdowns are given in Fig 2
of Paper 6, Although the relative magnitudes of the different components are obviously of importance
in themselves, the order of uncertainty of each needs to be assessed, particularly where that
contribution can be reduced or eliminated altogether by an informed design choice, Such considerationas
imply the need for a broad and persistent attack on the understanding of aircraft drag and its
prediction, Taking full account of the present Conference, there can be few aspects of this subject
with vhich we can afford to be satisfied at present, Above all, improved physical understanding and
quantitative design methods must be sought for th»eedimensional viscous supercritical flows and
for shock=induced and other separated flows, before major improvements in aircraft drag prediction
methods can reasonably be expected.

3 AIRCRAFT DRAG (GENERAL) AND WING DRAG

The review papers of Paterson, MacWilkinson and Blackerby 1 and Butler 6 may e regarded as
complementary. Paterson concentrates on the application of availablas design methuis to the prediction
and understanding of the drag of subsonic and transonic transport airecraft, with particular reference
to the exhaustive and impressive analysis undertaken in comnection with the C5A., This review is
an outstanding and mature contribution to the study of aircraft drag prediction. It shows what can be
achieved, but also illustrates the effort and care which is necessary if a convincing conclusion is
desirede On the other hand, Butler starts with a general analysis of the desirable features of future
aircraft drag prediction methods suited to the computer age, incluiing an assessment of the present
limitations of theory. By way of contrast, the second half of this review comprises a set of cameos
setting out current drag prediction practice as seen by U.K, specialists, These reviews together
set the scene for the Conference and both contain material of strong relevance to other Sessions of the
Conference, They form a natural starting point for a study of the Proceedings.

341 Skin friction_

No new thinking was evident on Reynolds number effects on skin friction. Paterson L tends to
argue the need for further research to establish more firmly the variation of turbulent skin friction
at elevated Reynold numbers., The U.K, review 6 lays more emphasis on the manner in which two-
dimensional skin triction data should be applied to swept and slender wings and to bodies. Paterson
rightly stresses | the ipportance and difficulties involved in accurately predicting and limiting
roughness and excrescence. drag (see Section 3,6)s There is the important complementary question of the
problems involved in the practical estimation of the extent of laminar (and separated) flows to be
expectad on & specific flight vehicle, on which no progress was reported.

3.2 Wing Segtiong

Paterson's paper ! demonstrates the value of proven viscous design methods for profile drag and
drag-rise prediction on conventional suberitical sections at moderate angles of incidence., There
was general agreement on the need for extending such methods to deal adsquately with the presence
of shocks, flow separations and supercritical flow. [Existing methods only offer acceptable accuracy
for relatively-simple aerofoil problems; satisfactory methods are not yet available for more exacting
problems, involving multiple aerofoils, bodies of revolution, or complex compressibility and shock
interaction effects.

One importent practical consideration arises because boundary-layer calculations usually end at
the wing trailing edge and must be extended into the waks, Corrections to conditions far downstream
by means of relationships such as those suggested by Squire and Young are no longer adequate. Smith
and Cebeci 7 have considered the alternative approach of direct calculation of shear and pressure
forces by integration around the asrofoil contour. At least as presented, this approach appears
extromely sensitive to the assumptions applied near the trailing edge, resulting in unacceptable
values for the pressure drag. lio satisfactory explanation was advanced in the discussion following
this paper, and an improved way of proceeding was not forthecoming, Smith howsver obtained more
promising results, agreeing better with observations, by extending the boundary-layer calculations into
the initial wake using mixing-length relations, This method is also applicable to bodies of
rovolution.

In a complementary paper, Zwaansweld e presented a detailed review of sectional drag calculation
methods, including a new method for the treatment of the wake correction. The need for more accurate
corrections for static pressure is confirmed and it is shown that this can be achieved by the

application of integral ralations with sultable cholce of poramsters. DBscauss of this exireme

amaitivitytn local “static pressure, particular care is shown to be needed in correcting wake drag
surveys conducted close to the wing trailing edge. ..

V1

=71

PR S

— e ol

B e

—_— . e e e e o -




One of the most interesting contributions related to the application of the jet flap to transonic
speeds., It is generally accepted that the 1ift increment dve to a jet flap in twodimensional
incompressible flcw can be achieved with nearly-complete recovery of the jet thrust and with corresponding
increases in 1ift/drag ratio. Larger dreg penalties are known to be involved at transonic conditions,
although the 1lift/drag ratio nevertheless may represent an .»provement over that which may be achieved
vith elevated angles of incidence in the absence of a jet flap. In & perticularly well-balanced
paper, Yoshihara, Magnus and Zonars 9 discuss some jet flap experimental results obtained in the NAE
High=Reynolds=Number facility and offer an extension to Spence's theory to sllow representation
of the observed effects of the upper-surface shock by means of a thickened boundary layer approaching
the trailing edge and a thick weke flowing above the jet wake, At present, a priori knowledge of the
upper~surface pressure at the wing trailing edge has to be assumed, together with a simplified variation
of pressure in the wing wake towards the value appropriate to conditions downstresam (any transverse
variations being ignored). Further, in order to locate the shock and simulate the sffsct of the
boundary layer on the effective wing camber, the pressure distributions on the upper surface behind the
shock also form part of the assumed boundary conditions, The results show encouraging agreement with
experimental observations, and it now remains to improve the method by incorporating self-sufficient
procedures which will simulate to an adequate degree the principal viscous features namely, the shock-
induced separation and the thickened wake flowing above the jet wake,

Theoretical effort has recently been concentrated on methods for supercritical aerofoil sections.
However, as pointed out by l(m:przynak:l.,8 aven the more elaborate methods do not feature the explicit
use of design drag or drag-rise Mach number as objectives of the design rrocess, Once an apparently-
acceptable aerofolil shape has been derived by repetitive numerical experiment, its actual
characteristics must be ascertained by calculations and tunnel experiments, Kacprsynski shows that
economical isentropic calculations simulating some of the features of supercritical flows usually
result in pressure distributions in reasonable agreement with experiment or more elaborate theory, and
oan yield acceptable predictions of drag-rise Mach number, though the exact position and strength
of the shock may be somewhat in error. The possibilities of adapting such a method to allow the
prediction of sectional drag are discussed; this would seem to require sounder physical understanding
than is presently aveilable,

The Conference failed to attrach contributions relating directly to our ability to estimate the
drag of wing sections in the presence of extensive flow separations (either due to shocks or to severe
gradients) and no progress was reported in the important and challenging field of multiple-aerofoil

theory.

3.3. SWQt wi_ggg

Unfortunately, there was no paper dealing specifically with drag prediction for a wing exhibiting
threedimensional viscous compressible flow, Perhaps the only major criticism which might be levelled
against Paterson's paper is the reliance which is placed om strip theory and the rather superficial
wvay in vhich threedimensional features are treateds In the round-teble discussion, Paterson and
others stressed the desirability of developing such methods to the stage where supercritical flow and
separations could be represented on a threedimensional wing, The inviscid compressible flow about
streamlined aircraft-like shapes can already be calculated and ellowance can be mede for viscous
offects of moderate proportions, Provided effort is directed towards this aim, there are reasonable
prospects of extending such methods to cope with essentially-shockfree mixed flows corresponding
to the use of perticular supercriticel sections, As some allowance can be mede for the presence of
engine nacelles and interaction effects for an optimised configuration without significant flow
separations, we would then be very close to the position where realistic drag targets could be
predicted for the datum streamlined sweptwing aircraft centrel to a figure-of-merit approach.

Thus, the importance of achieving a more complets treatment for the basic swept wing can hardly be over-
emphasised, Especially for the small military aircraft, it is perhaps nearly se important to be

able to predict the asrodynamic characteristics (including drag) at off-design conditions involving
strong wing shocks and extensive flov separations, though more limited accuracy may be acceptable,

Drag prediction under high-lift conditions on a swept wing with multiple highly-deflected
flaps is even more difficult, Unresolved difficulties in predicting sectional characteristics
have already been mentioned, Further, the prediction of vortex drag is particularly unsatisfactory.
There is no adequate means of calculating the spanwise loading, as the use of linearised theory implies
a 1limit on the deflection angle of, perbaps 159, and the vortex sheet is assumed to 1lie in the chordal
plane of the wing., A theoretical approach is needed, suitably supported by experiment, which allows
reliable calculations of the spanwise loading and hence the vortex drag, without the unrealistic
simplificaticns required by linearised theory, possibly based on the non-plarar theories which have
been proposed. 1T Threedimensional effects need to be allowed for in calculating the viscous drag,
both to account for the modified chordwise loadings towards the tip and the root, and also to allow
for the effects of the severs transverse pressure gradients on boundary-layer development. There are
also pronounced threedimensicnal flows between the individual aerofoils, which interact with Lhe main
flov around the complete wing. The supporting research needs to be of the highest standard.

3e4e Slender wings and low-aspect-ratio configurations.

Slender-wing aerodynamics is a promising area for research on the application of the powerful
computerised design optimitation techniques now becoming available, Das 3 discussee the resulis of
an impressive study which his been conducted at DVIR Braunsweig. In the specification of the drag
relations, naturally it has :.2an necessary to employ empirical expressions for friction and base
drag, After demonstrating tha* the drag estimation methods used generally yield good agreement with
experiment for a range of slender shapes, Daz applies variational methods to derive designs offering
rinimal wvave drag due to volume (for different classes of bodies and wing), mininal wave drag due to
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1ift (for wings), and minima) vortex drag (for wings). Although not discussed fully in the Conference
paper, Das has applied the same methods with some success to minimise the total drag of non-lifting
slender bodies and thick slender lifting wings, experimental investigations broadly confirming the
thosretical predictions. Further progress is limited by the deficiencies of theoretical methods

for slender lifting bodies, and for slender wing-body combinations in the presence of vortex-

shedding or compressibility effects.

The general position regarding the estimation of the vortex and wave drag zf mractical slender and
low-aspect-ratio aircraft designs is less satisfactory. Thus, the estimation © of the vortex dreg of
slender aircraft with leading-edge separations relies essentially on empirical correlations; at
supersonic speeds, the lift-dependent drag (including that due to wave drag) must be estimated
similarly., For truly-slender configurations, wave drag calculations can be made, but it is by no
means clear what degree of reliance can be placed on such rethods when applied to practical alrcraft-
like shapes outside their strict region of validity., This is particularly relevant to the preliminary
design of military strikefighter air t in their clean configuration, and is an area likely to profit
by aimed research guided by theory.

3.5 bodies

Paterson ' includes an empirical shape factor analysis demonstrating that, for typical fineness
ratios, the drag of the fuselage of a large transport aircraft can be kept within 5% of that predicted
by the ESDU Data Sheet method, even with a degree of rear-fuselage upsweep.

Moore . describes an interesting and valusble example of a fast and economical computerised
design method for predicting the drag and 1ift characteristics of arbitrary missile-like body shapes
over a practical incidence range (about % 20°) to a limited accuracy(usually 90f) at subsonic, transonic
and supersonic speeds, Although most of the prediction methods incorporated are well-proven, a new
procedure has been developed for the treatment of blunt-nosed bodies, whereby Newtonian and
perturbation theories are combined to provide improved comparisons with experiment at comparatively-
low mainstream Mach numbers (as low as 1.2), well away from the accepted limits for the application
of Newtonian concepts. The main deficiency noted by Moore, not surprisingly, relates to the transonic
flow regime, where an improved method is needed capable of dealing with blunt-nosed bodies having
discontinuities along the ogive.

3.6 Excrescences

Paterson ' correctly observes that most of the data currently used in the estimation of excrescence
drag at cruise was obtained at low Mach numbers and at comparatively low Feynolds numbers, remaining
largely unsubstantiated at the conditions appropriate to aircraft applications. However, an extensive
research programme has been conducted over a period of years in the RAE Bedford 8ft tunnel to determine
the drag of some 50 excrescence configurations immersed in the tunnel wall boundary layer, the tests
covering a wide range of Mach numbers (0.2 to 2,8, excepting transonic conditions) and Reynolds
numbers (up to 100 x 100 at M=2). This work was sumarised by Gaudet and Winter 4 for the Conference
in a form designed to encourage direct use by the aircraft designer, Considerable insight has been
gained into boundary-layer/excrescence interaction, as a result of which a much better assessment of
boundary-layer and Mach number effects will now be possible for many coumon types of isolated
excrescences, As one could hardly hope to cover all possible excrescence and boundary-layer situations,
attention should now be turned to multiple arrays of excrescences, apart from filling some gaps still
apparent for certain classes of excrescences (such as rivets, aerodynamic fairings, inlets and outlets,
and gaps in flying control surfaces). Careful model and flight research will be involved and this is
a field where collaboration could bring considerabls benefits to all,

The position is less satisfactory at high-lift oondiuons,é' where excrescences not only cause
parasitic drag but alsc often result in appreciable 1lift losses; the aircraft attitude or flap setting
may well have to be increased in compensation, with additional indirect drag penalties, Even with
care in design and develomment, direct and indirect excrescence drag can account for 10% of the drag
at climb out. Surprisingly, this subject has received little systematic attention in the past;
there is virtually no published drag information in the field of flap and slat engineering., Admittedly,
model-scale simulation is not easy and extrapolation may prove difficult, since such excrescences are
comparable in size with the boundary layer, Nevertheless, useful aimed research is certainly
feasible, both at model scale and in flight, This is recommended as a muche-neglected area with which
AGARD should concern itself in future.

3.7 Helicopters

A concise and instructive review of this subject was presented by Wagner. 5 As designers aim at
more efficient and economical helicopters capable of increased sperds and endurance, more emphasis must
be placed on drag reduction. Significant associated benefits can include delays in the onset of blade
stall and compressibility effects, as well as important reductions in the oscillatory loads on controls
and in cockpit noise and vibration levels, The main source of drag increase with forward speed is
shown to be fuselege parasitic drag. Unlike rotor lift/drag ratio, which can now be estimated with
some confidence, the parasitic drag cannot be so estimated largely because of the shapes involved,
although a measure of the effective perasitic drag area can be obtained by analysis of rotor power
variations with forward speed. Wagner shows that the major parasitic drag contributions arise
from the basic fuselage, the rotor pylcon and the landing gear, although the contributions from minor
causes certainly should not be neglectea. Considerable advantages arise from an ability to conduct
fullescale windtunnel tests for helicopter researer’, within the limits set by tunnel flow breakdown,
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These include the possibility of measuring data free from scale effect and of isolating the contributions
of particular components, as well as the avoidance of major problems associated with the design and
provision of scaled model rotors. The general question of improved facilities for testing VSTOL

models is a matter deserving, and already receiving, attention by AGARD.

4.  BASE DRAG AND SEPARATION

Flow separation phenomena and associated drag penalties lie at the heart of most of the avoidable
elements of the drag of an aircraft, The performance in cruise, the climb-out characteristics, and the
flying limits of an aircraft all are affected, if not determined, by flow separation considerations.

It is hard to visualise how appreciable progress is to be made with drag prediction methods without
substantial advances in this field, not only in general understanding but also in the provision of
quantitative design procedures of a versatile type. It was, therefore, disheartening that no important
advances in the treatment of twodimensional or threedimensional flow separations were discussed at

this Conference. Bearing in mind the considerable time since the subject of flow separation was
considered, it is recommended that this form the theme of an early AGARD Specialists' Meeting.

In his excellent review paper on drag and separation, M.Sirieix n stresses the basic importance
of distinguishing between laminar and turbulent boundary layers in the consideration of separation
effects. At least to a limited extent, it is possible to categorise turbulent separation phenomena
by reference to the general unsteady characteristics associated with the flow. It is also helpful
to differentiate in terms of the occurence of fixed or free separation and reattachment conditions.
The review paper considers the drag implications of different classes of separations and assesses
available prediction methods., Unfortunately, despite all that has been achieved, a number of gaps
still exist in the prediction of drag, even for twodimensional separations.

In order to improve our ability to cope with more general flow separation phenomena, on the one
hand, it is fundamental and absolutely essential that improved calculation methods be available for
compressible threedimensional wviscous flows with attached turbulent boundary layers, and, on the other
hand, that quantitative methods should be devised capable of dealing with the main types of flow
separations, The latter will need to involve original theoretical developments, suitably supported
and extended by high-quality experimental research. It may well prove difficult to achieve adequate
simulation of the separation phenomena at model-scalo conditions, Better ways will be needed to
predict full-scale transition characteristics and flow separation boundaries. Improved understanding
of shockwive/boundary-layer interaction will be essential,

The prediction of base flows and base pressures also leaves much to be desired, However, some
progress is evident with semi-empirical methods (see also Section 5) providing grounds for future
hope. There is reason to hope for substantial theoretical developments quite soon, through the
& plication of improved boundary-layer and wake calculation methods, Thus, two specialised papers
dealt with particular aspects of base flows.

The use of blunted aerofoils can have advantages at transonic conditions, provided the drag
peralties can be reduced, for instance by the addition of splitter plates and wedges. Tanner 12
has extended his studies of this topic. He shows how the base drag penalty can be minimised by the
use of a trailing-edge splitter wedge, so that the sectional drag returns close to the value
achievable with a conventional sharp-edged section., It is argued that advantageous general
aerodynamic characteristics can be obtained, without major drag penalties, by means of comparatively-
minor changes to the wing profile, However, Tanner's investigations must be limited in value by the
absance at present of test data at transonic speeds, confirming acceptable drag levels together with
more attractive general characteristics,

Addy v has demonstrated that practical computerised methods can now be devised for the calculation
of base and jet effects on bodies, provided recourse is made to detailed émpirical modifications to
extend available theories, especially as far as flow separation effects are concerned, Not
surprisingly, Addy stresses the need for improved boundary-layer separation criteria to aid analysis
of the complex situations encountered in practical designs. It is quite clearly shown how valuable
and powerful a tool such a method can be to the design engineer in achieving better insight into the
relative importance of, and interaction between, different desigr factors by allowing systematic
numerical experimentation; provided that the essential features of the fluld dynamice have been
incorporated faithfully. Such a program can alsc be of considerable assistance in the design of
model research programmes, As such computer programs are devised and proved, they will increasingly
feature in aircraft design and optimisation procedures of a semi-automatad nature,

The prediction of the onset of buffet and drag with incidence are related topics of importance,
especially in the design of small military aircraft. The interpretation and application of the results
of model-scale investigations on buffet (using the procedure due to Mabey) has been studied by McWherterk
including the effect of tumnel flow quality improvements deemed essential to allow meaningful
predictions of aircraft buffet; following the further tunnel modifications (mentioned in the Preprint),
a satisfactory reconciliation has been achieved with flight results, It seems a pity that no attempt
was made in this paper to examine the link between tunnel flow and extrapolation problems for buffet

tions, and the prediction of aircraft drag in the presence of extensive flow separations from
model-scale investigations, X l



The present position on drag and separation can perhaps be summarised by stressing again the ased to
develop general quantitative methods capable of dealing with threedimensional flow separation, with A l (
empirical modifications as necessary to achieve practical design procedures. The main potential

benefit is expected to lie in an improved ability to design (at least in part) optimal practical

configurations for which the full-scale behaviour can be estimated with more confidence, Of course,

this will not remove the need for confirmatory model experimentation at the earliest possible point.

As pointed out by Sirieix during the round-table discussion, improved understanding of model support

affante conld peave 2 valuzbls sids Leaelite
5. INTERACTION SFFECTS

Airframe-propulsion system integration involves increasingly-important interaction effects for
all classes of aircraft. The need for high-thrust supersonic aircraft and the advent of high-
bypass-ratio fan engines have resulted in larger engines having greater impacts on the aircraft
flow field and overall performance. The aireraft range factor may well not be improved, despite
significant reductions in specific fuel consumption. Although it is generally agreed that airframe-
propulsion interaction effects play an important role in determining the aircraft performance, as pointed
out by Antonatos, Surber, laughrey and Stava 15 it is difficult to determine their precise magnitude.
Indeed, attempts so to do regularly lead to keen controversy between specialists at the interface
between the aerodynamics and propulsion disciplines, as an apparent deficiency can arise troz a variety
of factors, Of basic importance is the use of a consistent and flexible accounting system ©» 15
egspecially in the case of high-bypass-ratio engines, The degree of foresight achieved during the
early stages of project formulation is often inadequate and so the book-keeping methods need to be
revised and improved until they match the sophisticated model and flight-test techniques now feasible.

In the review paper, Antonatos 15 deals in appreciable detail with the series of inter-related
model experiments which are necessary to study the effects of the main flow and geometrical factors,
to assess the necessary corrections at mc'el scale and to extrapolate the results to full-scale
conditions and practical configurations., Sometimes, the estimated interference drag compounded by
such an approach can be reconciled satisfactorily with aircraft flight-test results obtained under
carefully-controlled conditions (see Section 7). However, there are often unexplained and serious
differences between flight test results and predictions based on comprehensive model tests, As far
as model testing is concermed, the adequate simulation of flow effects remains perhaps the most important
technique problem to which a complete solution is not yet apparent.

It is certainly not possible in general to rely on theory to predict airframe-engine interaction
effects, although existing theories are helpful in providing a framework within which to analyse
experimental results and to develop empirical methods, A number of useful semi-empirical methods are
consequently now available for preliminary design purposes 6,15, However, early recourse to detailed
specific research is certainly essential for each new project to determine acceptable engine arrangements,
Threedimensional compressible flow theories should help in the future but need to be supplemented by
quantitative methods for threedimensional boundary layers and separated flow regions (see Sections 3 and 4.
In the meantime, the growing body of good-quality aimed research data in this field deserves careful
analysis, preferably on a collaborative basis,

The selection of the airframe-engine general arrangement is complicated in practice by the need
to consider a wide range of facters, embracing most of the aeronautical disciplines, In the case
of the high-bypass-ratio engine, as applied to a near-sonic transport, the cruise drag can be affected
decisively by a poor choice., Swan and Sigalla 17 examine in interesting paper the relative merits
of conventional underwing and rear fuselage installations for jet transports, in comparison with
unconventional overwing arrangements. Careful analysis supported by experiment is necessary to allow
a reasoned initial choice of general configuration; this has to be followed by additional investigations
to develop & near-optimum arrangement, Overwing installations are shown to offer worthwhile
advantages in respect of 1lift augmentation and noise shielding, It is demonstrated that anticipated
problems concerned with adverse effects on drag divergence speed and cruise drag can be alleviated by
imasinative application of availablc theoretical design methods for suberitical flows, supported
by suitable aimed research,

Some importent interaction effects arise at wing-body and other junctions. There were no pepers
directly concerned with general junction-fairing design methods, The design of boundary-layer
diverters for the constricted space between & nacelle and a body or wing surface is a related problem
which has been relatively neglected, FPeake and Rainbird's paper 1€ forms an elegant study demon-
strating how designers can recognise arrangements which may result in flow separation regions and the
manner in which drag reductions can be achieved by a sensible approach to detailed design. This paper
underlines the need for a better approcietion of threedimensional flow separations; it does not
suggest how progress is to be made, particularly in developing quantitative methods,.

The installed drag of external stores is a major component of the drag of a combat aircraft, Unless
care is taken it can far exceed the sum of the free air drag of the stores and their supports; moreover,
strong associated effects can arise sn the general aircraft characteristics, including limitations to the
flight envelope. Pugh and Hutton '7 show how this most complex problem can be approached by a systematic
analysis of the reasons for the interference effects, Significant alleviation of drag can often be
achieved merely by reducing the free-air drag of the stores and supports. There is also limited scope
for the application of theory. Thus, for transonic and supersoric conditions, the drag of combinations
may be reduced by the application of area-rule concepts. Once it is possible to calculate the flow
field around an aircraft fitted with stores in compressible flow and estimate the boundary-layer
development, it would seem feasible to predict the conditions appropriate to the onset of flow
seperstions or supersonic flow, However, for the immediate future, we must agree with Pugh that simple
semi-empirical methods for the prediction of installed drag are likely to ,revail. The paper outlines

X/



a framework within which such analyses can be conducted, Much data already exist in this field,
including a certain amount from systematic research; there is certainly scope for collaboration in

the design of future research programmes and in the subsequent analysis, Economic considerations will
tend to limit the amount of full-scale testing of a standard suitable to provide essential confirmatory
comparisons with model test results. Recent flight/tunnel comparisons on the Buccaneer © should assist.
Pugh rightly stresses that a sustained effort is justified on store installation drag, since the drag of
combat aircraft may be reduced in this respect by an extent that could hardly be achieved in other ways.

6. HYPERSONIC DRAG

Despite limitations on research effort, considerable progress was reported in hypersonic drag
mrediction, The results are relevant to the flight of hypothetical future long-range aircraft, as well
as to the re-entry stages of a space vehicle or strategic missile. As emphasised by Wuest 20 in an
authoritative review paper, satisfactory simulation of full-scale behaviour usually can be achieved if
both Reynolds and Mach number are reproduced, using a variable-density tunnel., Some problems are
encountered due to different relaxation effects in tunnel and flight, suggesting a possible need for
more attention to the quality of the tunnel flows. As illustrated by the particularly usefil diagram of
flow regimes included by Wuest (Fig 2 of paper 20), high-altitude flow is characterised by

Yago//Rem) 0,01 - Three main flov regimes can be distinguished, namely continuum flow Mg, /Rec <0.1
the rarefied transitional region, and free molecular flow Ma o/Re °>3'

For simple shapes, reliable experimental data have been gathered over a wide range of Reynolds
number and theories are now becoming available to explain the underlying flow phenomena.20 Thus,
Vallerani 22 presents detailed comperisons of sphere drag measurements with theory, demonstrating
that predictions of sufficient accuracy can be made, provided use is made of empiricism. These studies
are complemented by those of Wuest <0 for cylinders and cones, which reach similar conclusions,

In hypersonic rarefied flow, the drag can conveniently be divided into temperature-independent
pressure drag, temperature-dependent pressure drag and friction drag. On blunt bodies, the pressure
drag is dominant and rarefaction effects are small, For slender shapes, however, friction drag is of
considerable importance, and shows significant dependence on rarefaction,20 reaching a maximum value at
a Knudsen number around 0.5. Although relaxation and radiation effects do not appreciably affect
the pressure drag, they influence the general flow field, the shock stand-off distance and heat-
transfer rates.

The position regarding predictions of the drag of realistic shapes is less favourable, although
good agreement can be achieved in certain areas (see All¥gre, Matrand, end Scibilia 21), Theory
sometimes shows a surprising degree of agreement with measurement, although the assumed flows are
essentially unrepresentative (eg. strong interaction theory). Attempts to interpret measurements on
complex shapes such as wing-body combinations and re-entry shapes generally indicate a need for
further research. Low-density non-equilibrium flows are particularly complicated and difficult to
predict at present.

Merzkirch and Stilp 2 have provided an interesting account of wake analysis at hypersonic speeds.
Just as at low speeds, vortex drag and viscous drag can be differentiated by analysis of the wake, so,
at hypersonic speed=, the viscous drag and the inviscid (entropy) components can be distinguished by
means of schlieren visualisation of the latter component, which can then be associated with the wave
drag of the body. In the present approach, the density distribution in the wake is inferred from
knowledge or measurement of the bow shock geometry (in fact the latter could be used to estimate the
drag directly, as shown by Fugh)., If the wake density is thus prescribed, then the derived wave drag
is in close agreement with that which results from a similar wake analysis with the density assumed to
follow a Gaussian distribution (as proposed by Webb).

In the studies on 60° delta wings, described by uligro, Matrand, and Seibilia, 2 the aerodynami
drag was found to be substantially increased in the transitional regime, where viscous and boundary-
layer displacement effects predominate, relative to continuum flow., Under rarefaction conditions,
close agreement is shown with strong interaction theory. Control presents important problems closely
related to drag for aircraft-like shapes at hypersonic speeds. Alldgre includes some comparisons
between solid and fluid spoiler controls; the latter are shown to offer some advantages, including
reduced control drag increments. At present, the results are somewhat specific, lacking systematic
investigation of jet strength and geometry effects.

In view of the limited effort available for future research on hynersonic drag, such research
must be selective, suggesting advantages from collaboration, Since calculation methods for simple
chapes already tend to be complex, reliance will have to be placed on pragmatic approaches to drag
prediction for more complex shapes, The most important areas for future research were indicated by
Wuest in the round-table discussion., In the free-molecular regime, actention should be concentrated
on gas-surface interactions, In the transitional regime, the main need appears to be an understanding
of interaction effects for more complex shapes, Very strong viscous effects can be encountered in
rarefied flow and the adequacy of windtunnel corrections is questionable, In the rarefied
continuum regime, the key problem is the prediction of transition,

7. TESTING TECHNIQUES AND FLIGHT/WINDTUNNEL COMPARISONS

Since the admittedly-inadequate state of aerodynamic theory requires such heevy reliance to be
placed on windtunnel model tests for drag prediction purposes, tunnel flow requirements, model test
techniques and correction methods deserved earlier and more complete treatment at this Conference,
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An authoritative raview paper should have introduced this Sessicn. Admittedly, the various review
papers contained useful contributions relating to this subject area. Thus, Butler 6 includes brief
outlines of “he main issues, including observations on tunnel flow quality requirements, Antonatos 15
deals ithoroughly with the test methods associated with engine/airfrume interference problems, and
paterson 1 considers test technique aspects in the context of the analysis of specific aircraft
research programmes, Those particularly interested in this subject are advised to consult these
Reviews in the above order belore commencing & sStudy oI the papers ior this Session.

On the other hand, the Conference provided excellent coverage on flight-testing aspects and
Paterson's paper should certainly be read from this viewpoint. Rooney also contributed an outstanding
paper 24 on flight-testing methods and flight/tunnel comparisons. This paper would have been
remarkable even had it been confined to the comparison of conventional (static), quasi-static, and
truly dynamic measurement of drag in flight, It describes the use of sensitive accelerometers to
measure accurately excess thrust in flight, together with improved and economical methods for
assessing the installed thrust under dynamic conditions, The random scatter is acceptably low
and good comparisous have been achieved between results obtained with the alternative flying
techniques. Surprisingly, no problems appear to have arisen from dynamic effects on the thrust
determination process. Obviously, the adoption of dynamic test techniques would result in great
economies in flight test costs, as well as permitting a wider coverage of the flight envelope not
possible with static techniques. However, in addition, Rooney includes comprehensive comparisons
with corrected and extrapolated model test data, confirming Paterson's conclusion that good
correlations can be achieved, provided the flight and model data are of high quality and properly
correcteds Moreover, Rooney extends the range of the comparisons to cover supersonic speeds
up to M = 2 (68° wing sweep), and also includes results for low-speed high-lift configurations at iow
wing sweep. Naturally, there are some areas where reconciliation is at present incomplete, part-
icularly the minimum drag at supersonic speeds. Nevertheless, the overall agreement is astonishingly
goﬁo

In the next paper, by Fyle and Saltsman, 2> can be found & variety of flight research stulies
and {light-tunnel comparisons on unusual configurations, This paper will repay careful study, for it
shows convincingly the advantages of a diagnostic and imaginative approach to flight research, The
most significant results relate to base and boat-tail drag. Considerable differences are shown to
exist betweon model and flight results, associated with the influence of tunnel and support
interference and with scale effects (possibly including major variations in flow separation
phenomena)., The possible use of boundary-layer thinning to achieve boundary-layer flows at model
scale more representative of flight deserves serious consideration.

Although it is true several Conference papers demonstrate that acceptable reconciliations can be
achieved between model and aircraft tests, the difficulties associated with the correction and extra-
polation of model tests (particularly as regards flow simulation effects) and of measuring drag in
flight should not be underestimated, Antonatos 15 comments on the considerable difficulties involved
in the conduct, analysis and interpretation of flight tests, if overall assessments are to be provided
of the adequacy or otherwise of drag prediction methods for engine airframe interaction effects;
he stresses the need for supplementary flight investigations (such as detailed pressure plotting)
to allow convincing treatments of critical flow regions, More general considerations of tke problems
of aircraft thrust and drag determination are included by Butler, It can be agreed that important
advances have been made recently allowing reliable assessment of mamwe and accurate
determination of (thrust-drag) margins under dynamic conditions in flight,>< There is already a UK
groupPactively prepering guide-lines for selected classes of engine/airframe combinations and this
group could well serve as & focus for collaborative research within AGARD, Of course, it must always
be borne in mind that it is one thing to perform a retrospective comparison of model and flight
results, ard quite another to prepare and guarantee drag predictions from aimed model-scale research
for a new aircraft type.

Apart from the absence of a Review paper, already noted, unfortunately there were no specialist
papers aimed directly at the principel tunnel flow quality and test toch:xiqnz problems for the main
types of complete unpowered models of aircraft, It is certainly debateble © whether the quality of
current traisonic windtunnel flows can allow absolute drag determination of the desired standard;
much the same applies for testing under high-lift conditions, At leasi, the problems of determining
the drag of ecivil and military aircraft models close to transonic speeds decerved specific consideration.

Much interest was evident on tunnel-testing techniques, which prove demanding if accurate drag
measurements are required., Support interference and, above all, engine~flow simulation techniques
are accepted as major problem ereas, There is a general feeling thuat insufficient attention has
been paid in recent years to comparative tests on representative datum models and support systems;
such research sponsored by AGARD would certeinly receive strong support at working level and should be
directed particularly at the above aspects.

A view on a particular aspect of rear sting interference was presented by Fancett and Sli.t.h,26
the chosen test model representing a shell, Ailthough they show that it is possible to reconcile,
to & limited extent, dag measurements with variation of sting length by means of a semi-empirical
approach, it is instructive that the residual variations still exceed 5% of the measured totel drag
at high subsonic speeds. Good overall agreement is obtained between corrected data and an
independent set of data; however, Fancett explains that it has nct been possible to conduct a
critical examination of the latter.

Inneo-p-nionp-per,W”mmmmm-mmoﬁmanmgnmtgm
on base and boat-tail drag., The variation of base pressure with sting diameter/base diameter ratio
is shown to be essentially different for cylindrical and boat-tailed bodies. The boat-tail drag is
affected by the sting diameter/base-diameter ratio, although it does not depend greatly on the conical
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flare shields For subsonic speeds, a useful correlation is given relating the effects of sting
length and flare angle on base pressure, This paper confirms the complex and sensitive nature of
the interactions which can occur between a rear sting support and the local parts of a model.

It underlines the need for a fresh assessment of support techniques and a generally-cautious
approach by research teams to the problem of correcting model drag data for support interference.

The soncluding papeiry by Desgardin and Bnhur.l,zg considers the problems involved in the analysis
of data obtained frcm free-flight testing in a tunnel range. As long as detailed and accurate
trajoctory data is obtained, it is shown that computerised analysis techniques can readily be devised
which allow the establishment of the variation of drag with incidence and speed to an acceptable
accuracy. The new method has been applied successfully to the anlysis of tests of specific body
shapes in a hypersonic bellistic tunnel; typically, the drag coefficient has been established to
an accuracy of 1% over a wide Mach number range.

8. CONCLUSIONS AND RECOMMENDATIONS

Ten main issues have been selected, Five relate to test facilities and methods, matters of
vital importance in drag prediction, The other five are aimed at the main opportunity and
problem areas.

1) There is an urgent need to provide a new generation of major transonic and low-speed
windtunnels, capable of providing flows adequate to allow high=quality drag measurements
at elevat:d Reynolds numbers;

2) Continued attention is needed to the simulation of high Reynolds number conditions at model
scale, including the possible use of unconventional means such as controlled thinning
of the model boundary layers;

3) Comparative research should be sponsored on datum model and support arrangements in selected
major tunnel facilities at high subsonic and transonic speeds;

4) Critical research programmes should be arrenged to develop an agreed appreciation of engine-
flow simuletion and auxiliary-test techniques for use in engine/airframe interaction
investigations;

5) There should be collaboration in the codification of flight-test engine thrust deter-
mination methods and in the critical assessment of dynamic flight-test drag measurement

techniques;

6) Iwodimensional prediction methods already proven for conventional aerofoils should be
extended to cope with supercritical flows, flow separations at elevated angles of
incidences, and multiple high-lift configurations;

7) There should be an early AGARD Specialists' Meeting on Flow Separations; imaginative
advances in the understanding and prediction of twodimensional and threedimensional
flow separation phenomena are badly needed for incorporation in threedimensional
viscous compressible flow drag prediction methods under development;

8) Collaboration should be arranged in good-quality drag measurements on common excrescence
arrays at cruise and on representative excrescences at high 1ift;

9) Considerable scope exists for empirical analyses, guided by sound physical understanding,
aimed at improved design and drag estimation methods related to engine/airframe and
store-installation aspects;

10) The limited effort available for hypersonic drag research should be applied co-
operatively to the main problems indicated by Wuest in the coacluding discussion,
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A SURVEY OF DRAG PREDICTION TECHNIQUES
APPLICABLE TO SUBSONIC AND TRANSONIC AIRCRAFT DESIGN

!
J. H. Paterson* / p /
D. G. MacWilkinsont
W. T. Blackerby**

SUMMARY

Three aspects of aircraft drag prediction in the subsonic to transonic range are discussed:

1. Preliminary estimation procedures
2. Estimation using wind tunnel test data
3. Wind tunnel - flight correlation

Inaccuracies in the approach to use of flat plate skin friction, with appropriate shape factors, to predict profile drag
are identified. Shape factor estimation may be inadequate due to use of obsolete empirical formulae, which are based on
airfoil test data with mixed laminar = turbulent flow, and more significantly due to airfoils unrepresentative of current
highly loaded designs with high viscous form drag. The success of new viscous flow solutions to predict drag and to inter=
pret two-dimensional test data suggests that this approach will find increasing application in future work.

Reliance on wind tunnel tests to determine component interference is still necessary, in view of the lack of suitable
theoretical viscous solutions in mixed flows.

Attempts to use low Reynolds number wind tunnel drag levels to predict full scale drag are shown to be reasonably
successful, providing that careful testing techniques are employed, and correct interpretation of test data is made.

It is shown that full scale profile drag for the C~5A is predicted from wind tunnel data within a range 1 - 3% of flight
data, using two altemative methods of scaling the results. The flight test data, analyzed in detail, confirm the predicted
trends in profile drag with Reynolds number over a range from RN = 40 x 105/MAC to 100 x 106/MAC. Careful monitoring

of the manufacturing tolerances during the development stage, together with these results, suggest that the effective surface
distributed roughness level: are well within those values associated with smooth turbulent flow, and that the methods em-
ployed for estimating the total roughness drag increment are satisfactory,

*C-5A Flight Sciences Manager
tAircraft Deve lopment Engineer, Specialist
**Senior Aerodynamics Engineer

NOTATION
C' Average flat plate skin friction coefficient CL Lift coefficient
RN Reynolds number CD Drag coefficient
SF Component shape factor MD Drag-divergent Mach number
t/c Thickness/chord ratio CD Profile Drag
4
Chord
- g AR Aspect ratio
< Section 'ift coefficient . A o
M Section pitching moment coefficient
x/c Non~dimensional chord e s
v J s CM Pitching moment coefficient
P P ——— R‘ Reynolds numbars based on distance from
CN Normal force coefficient leading edge
M Mach number SraL Angle of attack of fuselage reference line
cdp Section profile drag coefficient e Wing span efficiency
n Non~-dimensional semi-span station ' Downwash angle
IT/c Tail volume coefficient
Subscripts
w Wing
A-h Aircraft tail=-off configuration
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1. INTRODUCTION

Techniques for predicting subsonic and transonic aircraft drag at full scale Reynolds numbers can be classified broadly
into three approaches:

(1) Theoretical estimates requiring solution of the viscous flows around complete aircraft configurations.

(2) Wind tunnel measurements at low Reynolds number, with extrapolation to full scale of the profile drag component
using either semi~emperical flat plate skin friction or theoretical methods.

(3) Empirical methods based on accumulated wind tunnel and flight test data on a variety of configurations, with
parametric corrections to account for variations between one configuration and another.

In the past, during the preliminary design phase of a project prior to wind tunnel tests, drag estimates have generally
been based on method (3), combined with an estimate of full scale profile drag. Today these estimates are more refined
by inclusion of appropriate information from method (1). Method (1) however, is still under development and, although
theoretical three-dimensional viscous flow programs are available for isolated components, procedures for solution of the
viscous flows around complete airplanes are yet to be developed. In addition, most three dimensional viscous flow solutions
are prohibitive from a cost point of view for preliminary design estimates, and thus the aerodynamicist is forced to rely on
less expensive and less sophisticated procedures. In the future it is anticipated that improvements in computer technology
and/or the development of integral methods will combine to produce the desired degree of sophistication.

As the airvehicle design proceeds from the preliminary design phase to the project definition phase, preliminary
drag estimates are augmented by wind tunnel tests, when possible, and procedures for correcting low Reynolds number
wind tunnel test data to full scale conditions. In this phase there are two primary sources of inaccuracy, namely, the
wind tunnel data and the extropolation procedures. Indeed, further inaccuracies in flight test data and compensating
errors may have contributed to misleading evaluation of the degree -. which correlation was achieved between wind
tunnel and flight test data.

Each stage of the drag prediction process, as it applies to subsonic and transonic aircraft, will be reviewed in this
paper to identify the sources of inaccuracy, as well as the degree of correlation with test data for the C-5A and C-141A
configurations, achieved by various selected prediction techniques. The accuracy of drag predictions by any of the above
methods or combinations thereof, is largely dependent upon our ability to predict profile drag, since this component
accounts for approximately 60 percent of the cruise drag of current jet transports. It is oppropriate therefore, to commence
with a review of the methods of estimating profile drag of aircraft components, including empirical methods based on the
flat plate approach and theoretical methods using trailing edge momentum considerations.

2, PRELIMINARY ESTIMATION PROCEDURES

2.1 Profile Drog

2,1.1 Review of Flat Plate Skin Friction

The literature contains a vast amount of experimental data on plane surfaces at incompressible speeds. The experi-
ments range from the early water tank towing experiments to modern wind tunnel tests using sophisticated measuring
techniques. A significant number of tests are historical, having been conducted prior to 1950 by towing planks through
water, primarily for use in ship design. Many of the early experiments are characterized by inconsistencies in testing
and measurir.: techniques. Nevertheless, empirical skin friction formulae derived from these data have received wide-
spread acceprance by hydro- and aerodynamicists. This is particularly true of the Karmar.-Schoenherr formula developed
in 1932 and still widely used by aeronauticai engineers. The authors (1) present a detailad review of the background
testing and data on which this law is based. Comments will be confined to a summary of that review and will emphasize
the principal findings which relate to the subject of this paper.

A selection of average skin friction test data from both water (open symbols) and air (solid symbols) experiments is
shown in Figure 1. (References 2 through 13)

The intent of the study (1) was to identify the sources of inaccuracy from the voluminous test data availdble, and
qualitatively assess the impact of these uncertainties on the correlation of drag predictions with wind tunnel and flight
test drag results. The principal observations to be noted are: :

(1) Of the test data available, which form the historical background to Schoenherr’s "mean line" analysis (7),
significant scatter exists of the order of +10%, particularly over the Reynolds number range up to 40 million,
where the majority of experiments were conducted. This range coincides with that for skin frictior estimation
on aircraft components, such as wings.

(2) The basis for the variation of Cf with RN in the range 100 to 300 million is solely from Kempf's water tank tests

of 40 years ago. Beyond 300 million no basic data exist, although Schoenherr used Kempf's integrated results
to extend these levels by his empirical formula to 450 million.
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(3) It is apparent from study of the experimental techniques and resulting deta, that the magnitude of Cf in the

Reynolds number range up to 30 million is conservative mainly due to 3-dimensional effects. This is confirmed
by the work of Hughes (5), and to some extent by the data of Smith and Walker (12). In the range of RN from

3 million to 40 million, the maximum difference in scale effect between all data is of the order of £0.0002 in

Cf. This would represent a variation in predicted full scale profile drag of a typical transport wing when scaling

wind tunnel data of approximately £J.0005 in CD'

(4) Although the Schoenherr mean line is a good representation of existing test data, substantiation of low and very
| high (RN > 500 million) Reynolds number skin friction is required by further ressarch programs.
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Figure 2 shows a sample of mean Cf data for

0.0044 fully turbulent flow from five empirical skin friction
KARMAN = SCHOENHERR formulae, mostly from analytical research on skin
—— —— SPALDING - CHI friction. None of these were evolved from a purely
0.0040 e, — == — SCHULTZ - GRUMNOW mathematical treatment of the flow over a flat plate;
— ———— PRANDTL = SCHLICHTING all contain some empiricism of the boundary layer
————— WIMTER - GAUDET parameters.
0.0036

In order to extend the range of validity of
resistance formulae based on the 1/7 power law,
substitution of the universal logarithmic velocity

0.0032
¢ distribution law was made. Schlichting obtained
f a modification to the Prandtl formula in this way.
0.0028 Calculations using the logarithmic velocity profiles
become more cumbersome and therefore Schlichting
derived an empirical curve fit given by:
0.0024 -
Cf = -(I-OQ—RI)LSS )]
0.0020
This formula is shown plotted on Figure 2 as the
0.0016 \ i | " | Prandtl-Schlichting curve.

6.2 6.6 7.0 7.4 7.8 8.2 8.6
Based on the work of Von Karman, Schoenherr

LOG, (REYNOLDS NUMBER) was able to deduce an empirical formula which
approximated the mean line he had placed through a
FIGURE 2, COMPARISON OF EMPIRICAL FLAT PLATE SKIN collection of experimental skin friction data. This

FRICTION FORMULAE FOR INCOMPRESSIBLE

TURBULENT FLOW has become the we!l known Karman-Schoenherr line:

t]' = 4.13 log R C) 2)

f

Schultz-Grunow (14) set out to investigate the application of the logarithmic laws of velocity distribution within the
boundary layer of pipe flow to flow along a flat plate. He made very careful measurements using plywood and metal plates
mounted in the wall of a wind tunnel. Two types of measurements were made: velocity distributions within the free boundary
layer and resistance of the plates. One means of measuring friction was to directly weigh the drag on a movable rectangular
plate mounted at various locations in a sector of the principal plate. This was very similar to the movable plate technique
employed by Kempf in his pontoon test.

Schultz-Grunow s measurements showed that the velocity profile in the outer portion cf the boundary layer of the
plate deviates systematically upwards from the logarithmic velocity distribution law of a circular pipe. Based or his
results, he repeated the derivation of the resistance formula and obtained the following formula:

0.427 3)

C. =
F gk - .407)2®

The more recent paper written by Spalding and Chi (15) reviews some twenty theoretical treatments of the turbulent
boundary layer on a smooth flat plate. The major characteristics of these theories were summarized and their predictions
compared with available experimental data. The root-mean-square error for each was computed for evaluation purposes,
aond a new calcuiation procedure was developed based on the accumulated knowledge. Consideration was not limited to
the incompressible case.

Use of the Spalding=Chi equations directly is somewhat tedious in that an iterative process must be used wherein the
variation of local skin friction coefficient with Reynolds number is first determined and then the mean skin friction is com-
puted for a given combination of local skin friction ond Reynolds number. The variation of mean skin friction with RN is
shown for comparison purposes in Figure 2,

The final curve shown in Figure 2 is that due to Winter and Gaudet (13). Like the Spalding-Chi method, the solution
of the Winter-Gaudet equations require an iteration process.

The maximum difference in scale effect from use of these formulae is about 0.00014 in Cf over a typical range of

Reynolds numbers from 3 x 108 to 40 x 106. Those two formulae most often used, namely the Prandti-Schlichting and
Karman=-Schoenherr, however, produce an almost identical scale effect. Of more significance is the fact that most of
these analytical treatments are based on test data with inherent scatter indicated in (1) above of +10% over this Reynolds
number range.
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2,1.2 Two-Dimensional Airfoil Profile Drag —

[ Two aspects of the estimation techniques used in the calculation of two-dimensional airfoil profile drag are discussed.
First, the empirico! approach vsed in preliminary estimates is reviewad and some of the inherent limitations identified.
Secondly, a theoretical approach is described and comparisons of theory and experiment are presented to establish the
degree of correlation achieved.

It is assumed that for attached flow conditions,

5 4
! cy c4 + ¢y (4)
P Prmin pcl ¢
) where <y is the minimum profile drag occurring at some optimum <) and <y is the lift-dependent profile drag
Pmin pcl
\ which is primarily a function of airfoil thickness, camber, and trailing edge angle. Both terms depend on Reynolds number

as a result of viscous modifications to the boundary layer and pressure distribution. For the purposes of this analysis, the
first component in equation (4) can be further defined as

k <y = (S.F.) x 2Cf (5
' Pmin

where Cf is the skin friction of the equivalent flat plate with zero pressure gradient for the same transition location as the

airfoil. Thus, in this analysis we define (S.F.), or shape factor, as the sum total of all the thickness and viscosity effects
F inherent in the airfoil characteristics and manifested as minimum form drag.

| Hoemer (16) has shown, from a collection of early data, that the shape factor for sections with maximum thickness
at 30% chord can be represented empirically by

(5.F.) = 1+ 2(t/c) + 60(t/c)* )

where the second term represents the drag due to increase in local velocity over the section, or supervelocity, This can be
shown for incompressible attached flow conditions to be

0/e) = v = (1-c )21 Y

The third term in equation (6) represents the viscous pressure drag effects.

Figure 3 presents a summary of a preliminary study in which the objective was to determine the method which pro-
vided the most realistic estimation of two-dimensional airfoil form drag as represented by the factor (S.F.) in equation (5).
Where possible, sections of thickness close to 12%c have been chosen, typical of the average values used on modern
transport aircraft wings.

The experimental data shown in Figure 3 are derived from two sc- . ces: (1) NACA (17), and (2) Lockheed-Georgia
(18), (19). 1t was found that most of the early NACA data are not ideally suited to accurate assessment of airfoil form
drag. This is because the testing techniques employed favored either free tronsition or the application of an oversized
roughness band applied around the leading edge. Hence, in the first instance correlation of measured drag with transi-
tion location was in most cases not possible and, in the second, accurate estimation of roughness drag was not attempted.
For the present analysis, only transition fixed data has been used and corrected for an estimated transition strip drag of
10 counts, which is considered reasonable for the low range of lift coefficients pertaining to this analysis.

The Lockheed-Georgia data are taken from a research program on a series of airfoils derived from the basic C-5A
section. Profile drag was measured by the wake traverse method. For the purposes of this analysis, it is sufficient to note
that these airfoils generally conform to the principias of obtaining high loading characteristics by leading and trailing
edge modifications and therefore differ somewhat to earlier, more conventional types. These data have been corrected
for 8 counts of transition strip drag. This correction will be discussed later in more detail.

In addition to the experimental data, a number of estimates for the C-141 section at 0,389 x semispan and airfoil 8
(C-5A) of the Lockheed series are included.

These estimation methods are:

(1) Supervelocity os in equation (7), using measured pressure data.
(2) Thwaites' incompressible formula (20),
(3) Lockheed-Georgia Subsonic Viscous Flow Program (21). 3}
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The large spread in value of (S.F.) ot t/c = .12, in-
dicated in Figure 3 is a result of parametric differences in
camber, maximum thickness location and aft loading which
all contribute to form drag. No attempt has been made to
correlate the data for these effects. Certain features of the
various methods are, however, noted;

(1) In general, experimental form drag for the 12%
airfoils lies within the range 30% to 50% of flat
plate skin friction.

(2) Estimates by the average supervelocity method for
airfoil 8 and the C-141 section, using measured
pressure data, are 10 - 15% lower than experi=
mental data. The empirical result from Hoerner's
equation also produces a low value of shape
factor. (The use of a supervelocity method for
three dimensional profile drag estimates will be
discussed in subsequent paragraphs.)

(3) The experimental results are in better agreement
with the range of values given from the R.A.e.S.
Data sheets (22).

The values of shape factor for the C-141A section from
experiment, Thwaites and Lockheed theory ogree within 5%,
whereas the value predicted by the mean supervelocity process
is 13% lower than the average of these figures. This indicates
that assessment of the total airfoil form drag from viscous
effects in attached flow conditions requires the application

of the boundary layer methods typified by the Lockheed theory.

Lift Dependent Profile Drag - Assessment of airfoil
profile drag variation with angle of attack for preliminary
estimates is usually based on empirical correlation of wind
tunnel test data from transition free and fixed tests. It is
important to note that careful interpretation of test data is
required in order to determine the true variation of profile
drag, both skin friction and form components, with angle of
attack. At full scale Reynolds numbers, only fully turbulent
boundary layer conditions are pertinent; since low Reynolds
number test data with free transition often produces an
erroneous variation of drag with lift due to forward movement
of the minimum pressure point, fully turbulent test data are
required.,

An example of the type of preliminary estimation pro-
cedure employed is given in Figure 4, where the drag due to
lift variations with angle of attack are referred to the equiva-
lent flat plate friction for any Reynolds number ond transition
condition, The results for a number of 4 and 5 digit series
airfoils are shown as the ratio

(€)= ¢ ')
(Coep/pp opy)  versus c, -?_-F;_)

max opt

< is assumed to be approximately 10 y/c, where y/c is
opt

the ratio of maximum ordinate of the section camber line to

the chord line, The data are applicable to partially laminar

and fully turbulent sections with maximum thickness located

at x/1 2 0.30, The drag of 6 series sections are predicted

reasonobly well at (cI - < )/(<:I - < )=.30, i.e.

opt max opt
beyond the laminar ‘bucket. "
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Two-Dimensional Viscous Flow Theoretical Program = In addition to the empirical estimation procedures available,
the aerodynamic analysis of wings for modern subsonic aircraft demands analytical tools that are fast, inexpensive, and
sufficiently accurate to discern subtle differences between project configurations. The analytical tools must be reliable
and correlated so that their limitations are well established. All significant aerodynamic factors must be included in the
analysis, One such program which is finding increasing use is a two-dimensional theoretical method for computing airfoil
profile drag, already introduced briefly in the preceding paragraphs.

The two-dimensional viscous compressible pressure distribution program (TOVCP) (21) comprises potential flow and
boundary layer theories and on iterative process that incorporates viscous effects into the airfoil pressure distribution.

The potential flow method used in this program is that of Weber (23). The Karman-Tsien compressibility relation-
ship (24), is used to correct the incompressible pressure distribution for Mach number effects.

In the laminar portion of the boundary layer, only the momentum thickness up to transition is calculated. To
calculate the development of the laminar boundary layer momentum thickness, the Thwaites formula with the Stewartson-
[1lingsworth transformation (25), (26), (27) is used. The displacement thickness in the laminar boundary layer region,
which is used in the iteration scheme, is obtained from a parobolic extrapolation ot the turbulent boundary layer forward
to the leading edge of the airfoil. This assures a smooth airfoil for subsequent iterations. The program checks at each
calculated point to determine whether the input fixed transition location has been reached, if laminar short bubble
separation has occurred 128), or if transition is predicted by Michel's method (28).

The turbulent boundary layer is calculated by the theory of Nash (29), using the momentum thickness of the laminar
boundary layer at the point of transition as a starting condition. A complete set of turbulent boundary layer parameters is
calculated downstream to the airfoil trailing edge. For the incompressible case, this theory uses a modified Ludwieg-
Tillmen skin friction law. The boundary layer is assumed separated if a local value of H equal to 2,4 is reached.

The boundary layer thickness effect is applied as a correction to the velocities in the solution obtained with the
modified camber and angle of attack. The corrections to the velocities due to thickness are obtained by first calculating
the potential flow on the basic thickness distribution of the original airfoil shape. Secondly, the potential flow is calcu-
lated on a body formed by adding the average boundary layer displacement thickness and the wake is token as formulated
by Powell (31). Finally, the difference in velocities obtained from the two solutions is applied as a velocity correction
to the equivalent airfoil solution obtained with only camber and angle of attack viscosity corrections.

The newly defined airfoil having a revised camber, thickness and angle of attack is then used to determine an
equivalent "inviscid"” pressure distribution. The process outlined represents one step in an iterative process. The number
of steps required to establish convergence varies with different airfoils, but five to ten iterations are usually sufficient.
A convergence check on < is used to terminate the calculations.

Upon completion of the iterative process, the airfoil lift and pitching moment are integrated from the pressure
distribution, and the two-dimensional drag is calculated by integration of the momentum integral equation along the
wake by the method of Squire and Young (32) and application of the Stewartson transformation. This calculation is
performed for both upper and lower surfaces and added to yield the two-dimensional drag.

New research is under way at Lockheed-Georgia by Goradia under NASA contract (33), to develop profile drag
methods which account for assymmetric wake development pertaining to cambered airfoils at angle of attack. Data
presented in the current paper, however, refer to the theoretical methods which use the Squire and Young momentum
equation. :

The two-dimensional drag rise Mach number prediction included in this program is keyed to the “rapid"” drag rise
Mach number as defined by dcd/dm = 0.05 at constant angle of attack. Using this drag=rise definition, Sinnott (34)

following the observation of Nitzberg and Crandall (35) showed that the experimental drag rise Mach number agreed well
with the occurrence of sonic conditions at the crest of two-dimensional airfoils. This observation has been utilized in the
drug rise prediction method for two-dimensional airfoils of the Royal Aeronautical Society (36). The Lockheed program
incorporates basically the RAeS method 1o calculate the drag rise Mach number. It has been extensively correlated (37)
and found to predict lift, drag and pitching moment data that agree well with ‘experiment for conditions of attached sub-
sonic flow. The drag rise Mach number predictions agree well with experiment when used in conjunction with pressure
distribution criteria (37). It is appropriate at this point to show some of these results to illustrate both the accuracy and
limitations of the program. Most of the experimental data were obtained from tests (18) (19) in the two-dimensional
facility of the Aircraft Research Association in England,

Figure 5 shows a comparison of the predicted viscous pressure distribution with experiment for airfoil 3 at a lift co-
efficient of about 0.42 at M = 0.64 and R, = 6.8 x 105/c. This airfoil has a slightly "peaky " characteristic with very
little oft loading. Agreement between theory and experiment is good, but the program underestimates the uncambering
effect of the boundary layer. Figure 6 shows a similor comparison for airfoil 12 which is o peaky, aft loaded, advanced
technology, airfoil. The agreement between theory and experiment is quite good, even in the highly loaded aft portion
of the airfoil,
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Figure 7 shows a summary of the force data for airfoil 3 at M = 0.64 and RN =6.8x 106. The dashed lines are the

inviscid potential flow lift and pitching moment data for the airfoil. The solid lines are the predicted viscous data esti=
mated by theory. The symbols are experimental data from the test program mentioned above. This figure shows how the
viscous iterative scheme moves the predicted data from the potential flow vaiue towards the experimental results. There
is still some disagreement between the viscous prediction ond experimental data, which may be due to damping mechanisms

in the iterative scheme, or to the experimental technique,

The amount of disagreement varies from one =irfnil to the next as shown in Figure 8, which presents a similar set of
predicted and experimental force data for airfoil 12, In this case, the agreement between theory and experiment is better

than for airfoil 3.
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was at approximately the same location and the experimer.tal drag values agree closely with predictions. Of further
significance is the fact that the shape of the € vsey polar is accurately predicted up to the < where supersonic flow
appears on the airfoil.

Figure 9 shows predicted c vsey for airfoil 3, for transition at 11% chord. The experimental free tronsition point / 7

The predicted variation of drag with Reynolds number for airfoil 3 at M = 0.75 and & = O is shown in Fig: re 10 for
transition ot 2% chord and 11% chord. The free transition test data shows a movement of transition with increasing
Reynolds number up to a point between 2% and 11% chord at RN = 5.5 x 10° where the transition point apparently

stabilized. For higher Reynolds numbers, the drag follows the predicted curve closely. These data show the predicted
variation of drag with Reynolds number to be correct,
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Substantiation of the variation of drag with increasing Reynolds number is shown in Figure 11 for NACA 65,. . - 114

215
airfoil where experimental transition locations were known. Again, agreement is good, particularly at the lower Reynolds
numbers. The agreement at high Reynolds numbers is essentially the same as that shown by Osborne (38).

Figure 12 shows the same data on airfoil 3 as were shown

0.8 _ in Figure 10, but with the addition of fixed transition data
[ T LOWER SURFACE from the same test. The fixed transition data has a higher
n \-& drag level than the analytical prediction for transition at
g e h UPPER 2% chord, Also, the fixed transition drag level is about
- SURFACE 0.0008 in ¢, greater than that of free transition at the
?’L 0.2F higher Reynolds numbers. These observations indicate
that roughness drag due to the transition strip was present
in the fixed transition data. This was supported by the fact
0 i s ! 1 that the roughness diameter was double the calculated
0.006 boundary layer height at the same location for the higher
. EXPERIMENTAL, NACA TN 1704 Reynolds numbers tested.
’ 800000° i
0.00sF 20q0000°0 The momentum thickness magnification effect devel-
SUBSONIC oped by Nash (39) was applied to the calculated boundary
VISCOUS layers for transition at 2% and 11% chord respectively, to
0.002} THEORY produce the predicted drag plus incremental roughness
drag curves shown in Figure 13. These two curves were
intended to bracket the conditions of transition at the
0 L L ] ! oversize roughness strip or transition ahead of the rough-
0 10 20 30 40 50 ness strip. Agreement between the prediction and
R, X107 experiment is good. At the lower Reynolds number, the
n experimental data matches the curve based on laminar
FIGURE 11. z’::gw‘s'y ::L?l?lg):l ng‘zﬁggk flow to the roughness strip, which is compatible with
ke 65(2'5) < 114 RIRFOIL b Ll;emt.ransmon lccation implied by the free transition
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o EXPERIMENTAL, ROUGHNESS AT 0,11c
SUBSONIC VISCOUS THEORY, (VC)TRANS =0.11
PLUS ANALYTICAL ROUGHNESS DRAG

O ROUGHNESS STRIP AT 0.11c
o FREE TRANSITION

I — ==— SUBSONIC VISCOUS THEORY, ‘X/CJTRANS = 0,02 —=--— SUBSONIC VISCOUS THEORY, (K/C)TRANS =0.02
‘‘‘‘ SUBSONIC VISCOUS THEORY, (x/crp,ys = 0.1 PLUS ANALYTICAL ROUGHNESS DRAG
M = 0.75 N M = 0,75
o.o10f %QQQ o = 0.0 0.010F . a2 = 0,0
~. Qoo o,
h o \\\ ‘\Q O O o s
B AAT—
0.008} 25A8TE 0.008}
<4 | ad, <y 1
0.006 | 0.006}
0.004 0.004}F
— 1 1 A 1 L i A 1 1 = e n 1 1
0 2 4 6 8 0 2 4 8
-6 -6
Ry X 10 R X 10

FIGURE 13, CORRELATION OF EXPERIMENT WITH
THEORY ALLOWING FOR ESTIMATED
ROUGHNESS DRAG

FIGURE 12. CORRELATION OF THEORETICAL AND
EXPERIMENTAL DRAG FOR AIRFOIL 3

Figure 14 shows an analysis of a Lockheed-California Airfoil (No. 4) that was also tested at ARA. The test data are
from a free transition test ot M = 0,649 and Reynolds number of 2.5 x 10°, Theory predicts separation of the lower surface
ate, values less than 0.2 and separation of the upper surface at < values above ¢ = 0.55. These two separation conditions

are reasonably well supported by the experimental data. The free transition prediction shows that transition moves from 70%
chord at = 0.25 up to 14% chord at = 0.55. The experimental data, however, shows little variation in drag and follows

the predicted cy Vs ¢ curve for transition at 14% chord almost exactly. On the basis of this comparison, it was decided that

extensive regions of laminar flow at low €| conditions were not obtained in the experiment.

These examples serve to illustrate how analytical methods can be used to examine trends in experimental data and to
increase confidence in use of data where certain subtle difficulties such as roughness drag, local separation, etc., could
have made the data unusable.

The drag rise Mach number predictions are based on
reasonably well established methods (36) but it is considered
worthwhile to illustrate some capabilities and limitations
identified from correlation studies. Figure 15 shows the

o] EXPERIMENT, FREE TRANSITION
—-—FREE TRANSITION SUBSONIC

(VC)TRANS =0.141 viscous
THEORY

""" /) rpans = 0-02 predicted and experimental MD - boundary for airfoil 3.
M - 0,649 This airfoil is 10% thick and is designed to carry most of the
0.8k R = 2.5x 160 % loading on the forward part of the airfoil, with a small leading
N edge peck. The result is that the airfoil has o relatively flat
- lo ser surface and considerable curvature in the mid-chord
PREDICTED a region of the upper surface. This airfoil has a modest drag

rise Mach number which is limited by the upper surface
conditions at all positive lift coefficients, The agreement
between theory and experimental drag rise Mach number is
good.

0.6} US SEP ﬁ ,
! /

Figure 16 shows the theoretical and experimental drag
rise Mach numb-r data for airfoil 27 which has a flat top

0.2} tzE?EIPCTED ) design pressure distribution with all of the loading on the aft
part of the airfoil, at the design lift coefficient of 0.2, The
a theoretical drag rise boundary is composed of two lines which
3 . T intersect at ul.'aoutC| =0.35. The upper line represents the
0 0.004 0.008 0.012 0.016 CI - Md boundory for drag rise due to the airfoil upper surface

c
d
FIGURE 14, COMPARISON OF THEORETICAL AND
EXPERIMENTAL DRAG CHARACTERISTICS
FOR CALAC AIRFOIL NO, 4

while the lower line represents the boundary where drag rise
is caused by the lower surface. Again, the ogreement between
theory ond experiment is good.
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AIRFOIL NO, 3 AIRFOIL NO, 27
|- 1|
i © Experiment -
LY S o o Loty 0.6 o
o B cl B
0.4 o 0.4} (o}
0.2 4] 0.2} [}
T Y TR M TR T 1 0 L TR
0.68 0,72 0.76 0,80 0.68 0.72 0.76  0.80
Mp Mp

FIGURE 16, CORRELATION OF THEORETICAL
DRAG DIVERGENCE MACH NUMBER
AND EXPERIMENT

FIGURE 15, CORRELATION OF THEORETICAL
DRAG DIVERGENCE MACH NUMBER
AND EXPERIMENT

Airfoils 28 and 31 were designed to study the effect of lower surface pressure distribution shape on drag rise Mach
number. Both airfoils have the same upper surface. Airfoil 31 has the minimum Cp on the lower surface at the crest and

airfoil 28 hos the minimum C_ ahead of the crest, somewhat similar to a peaky upper surface pressure distribution. Figura

17 shows that while the predicted MD boundaries for the lower surface differ by a small amount, the experimental MD for

the peaky type lower surface is 0.025 greater than the prediction. Of significance is the fact that the high < drag rise

Mach number, which is determined by the peaky type upper surface, also exceeds the predicted MD by 0,025, This

comparison illustrates that suitable pressure distribution shape criteria can lead to airfoil performance that exceeds the J
predicted MD boundary .
Figure 18 shows experimental and theoretical MD boundaries for airfoil 13. This airfoil has a peaky type pressure-

distribution, but the shape of the recompression region aft of the peak is more triangular than peaky in nature, so the
airfoil drag rise falls somewhat short of the predicted MD boundary. This airfoil as well as the comparison in Figure 17

is presented to illustrate the need for pressure distribution shape criteria (37) as a necessary supplement to the predicted
Mg - C, data,
D ™I

AIRFOIL NOS, 28, 31 AIRFOIL NO, 13
0.8 0.8
o 28
e Theory B
0.6 F ---3 0.6 F
—28
CI o — ]3 CI =
0.4} 0.4
0.2} / 0.2
| ;/'/ PEAK AHEAD OF CREST i
",/ ON LOWER SURFACE
0 )| 1 /11 1 A i J i] i n i
0.68 0.72 0.76 0.80 0.68 0,80
Mp

FIGURE 18, CORRELATION OF THEORETICAL
DRAG DIVERGENCE MACH NUMBER
AND EXPERIMENT

FIGURE 17, CORRELATION OF THEORETICAL
DRAG DIVERGENCE MACH NUMBER
AND EXPERIMENT

2.1.3 Wing Drag

The calculation of finite wing prcfile drag is accomplished by a strip theory analysis using the basic section data
either from empirical estimates or theory. For the purpose of this program, the boundary layer crossflow components are
neglected. It has been shown that if the crossflow components of the boundary layer on a swept wing are neglected, tnen
the best approximation to the development of the boundary layer can be made if the boundary layer parameters are calcu- 3
lated in the effective direction (40). For a theoretical approach, the computer program uses a set of streamwise section
ordinates for selected spanwise stations. The swesp angles of each constant percent chord line are used to convert the 3
ordinates into effective swept sections. The problem is then reduced to one of calculating the pseudo - two dimensional
boundary layer and profile drag as described in the previous section. Streamwise corrections to C 4 ore obtained using the
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method of Cooke (41). Finally, the streamwise section drag
data are integrated across the wing by strip theory to produce

total wing profile drag. An example of C~141 wing profile M - 0.7
drag, computed for four Reynolds numbers is given in TRANSITION AT 0.02C
Figure 19. This shows both the scale effect on CDP SYMBOL Ry X Io‘ﬁ:/MA(_:
MIN @ 3.9
and some dependence on Reynolds number of the lift- a 7.2
dependent profile drag. & 25.0
@ 45.0
Wing drag-rise prediction is now discussed, using as 0.010
an example the C-5A wing. A strip theory analysis of the D_.—-—-—-O"'"_'_'_'_F'O
drag rise Mach number of the C-5A wing is shown in
Figure 20(a), (), (c). The plots of < (available ond 0.008 |- D_._-—-D-—'—'_'_'_'_-ﬂ
actual) are shown for M = 0.75, 0.77, and 0.80 respec-
tively. The < available ot a given Mach number was 0.006 F R
&r P ¢ |
obtained from the predicted section MD ~¢ boundaries. %
The wing CL was increased until the local < distribution 0.004 |-
just touched the | available line. The corresponding CL
was taken to be that value at which drag rise would occur
q 0,002 |
for the wing at that Mach number.
Following this procedure for three Mach numbers, a o I | i |
wing CL ~ MD boundary was constructed as shown in Figure 0 0.1 0.2 0.3 0.4 0.5
21. The flight test Mp~C, boundary for dC\,/dM = 0.05 5
is shown. Neor the design CL of 0.45, the predicted Mp FIGURE 19. PREDICTED WING PROFILE DRAG
boundary is exceeded because the wing develops a good
peaky type pressure distribution and even at off design
conditions, the benefits of the peaky pressure distribution
are quite significant,
(a) M = 0.75 ) M =077
0.7 0.7
AVAILABLE <
0.6} T 0.6 F
AVAILABLE °
0.5}
[ ¢ FORC = 0.57 X S
w - e () M = 0.80
0.4f 0.4} Y 0.4
¢ ¢ ¢ FORC = 0.49 |
0.3}k 0.3k ‘w 0.3 F AVAILABLE <
0.2} 0.2 F 0.2~ )
0.1} 0.1+ a.1 b C| FORCLW= 0.23 \
0 1 [l L 4 0 A i 1 i 0 L 1 L L
0 0.2 0.4 0.6 0,8 1.0 0 0,2 0.4 06 08 1.0 0 0.2 0.4 0.6 0.8 1,0
n i n
FIGURE 20, ¢, FOR DRAG DIVERGENCE ON THE C-5 WING

|
2.1.4 Bodies

Preliminary estimates of fuselage drag in incompressible
aitached flow conditions are based on established methods for
equivalent bodies of revolution; in the case of transport con-
figurations with parallel center sections, and cambered fore-
ond-after bodies, careful design of these contours can minimize
excess pressure drag to acceptable levels.

A number of wind tunnel test results on different types of
fuselage have been selected to correlate with the empirical
method as shown in Figure 22, Only data where model support
corrections were known are used. Also, tronsition was fixed
in all cases near the nose of the model. Minimum profile drag
was estimated by Young's method for axisymmetric bodies,

(.6 -~
FLIGHT "'?
TEST
0.4}k DATA
CL B
S 0.2
PREDICTED M[b
J - 1 4 I\ 1 L
0.70 0.74 0.78 0.82

M

FIGURE 21. COMPARISON OF PREDICTED
AND FLIGHT DRAG DIVERGENCE

FOR THE C-5A
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given in RAeS Data Sheets (42). The shape factor was derived
by referring this drag level to the equivalent flat plate value
from the Karman-Schoenherr formula. The favorable form
drag over the center parallel section is accounted for by
arbitrarily defining the overall fineness ratio as dmo/'A+

]B +2 dmux' The figure shows incremental pressure drag to
increase significantly above dmu/' ~0.1, but even for a

typical fineness ratio of 0.15 the incremental pressure drag
is only about 5% cbove the idealized level. Actual trans-
port designs indicated by the horizontal arrows show that
even with upswept afterbodies, the excess pressure drag can
be maintained within this figure, approximately equal to
3-5 aircraft drag counts.

2,1.5 Other Components

(=)
E 1
The profile drag of other components are estimated &2
using essentially the same methods as outlined above. These LIS

include empennage, pylons and discrete protuberances such
as wheel well fairings. Nacelle drag is treated independently
in later sections.

2,2 Induced Drag

Induced drag due to trailing vortices on a finite span
wing is calculated by the method of Glauert (43). Prelimi-
nary work may require detailed parametric trade studies to
optimize wing span loading for satisfactory levels of
(-CMO), CL and cruise induced drag. A number of
MAX
computer programs are in use to calculate wing=body span
load distributions as a basis for vortex induced drag esti-
mation, These include the following, which represent an
increasing degree of accuracy and sophistication,

(i)  Vortex Collocation Lifting Surface Theory for
Planar Wing-Body Configurations (44).

(ii}  Non=Planar Vortex Lattice Program for
Arbitrary Configurations (45).

(iii) Linearized Wing-Body Interference Program

(46).

A typical excmple of the capability of these programs
is shown in Figure 23, where results from program (ii) are
ccmpared to test data.

2.3 Trim Drag

LOCAL LIFT CURVE SLOPE, <

a
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ARROWS INDICATE ACTUAL TRANSPORT
FUSELAGE DESIGNS,

SHADED AREA DENOTES EXCESS PRESSURE
DRAG DUE TO NOSE FINENESS RATIO
AND AFTERBODY SWEEP.

()

dmax

EFFECTIVE ot lct &

MAX

dMAX
SEEEI -
A B C

A

RAeS DATA SHEETS
BODIES OF REVOLUTION

y CDd/l/ s

A= 4,5 TAPER RAT. = 0.5
012 SWEEP = 40° M = 0,)
* —— THEORY - LIFT 4
® EXPERIMENT
0.08}
0,04} o
1 L 1 |
0 0,2 0.4 0.6 0.8 1.0
n

0.1 0.2 0.3 0.4 0.5

( dmax )
' EFFECTIVE

FIGURE 22, SUBCRITICAL FUSELAGE PROFILE DRAG

FIGURE 23. COMPARISON OF LIFTING SURFACE

THEORY WITH EXPERIMENTAL DATA
FOR A SWEPT WING

The change in configuration drag required to trim an aircraft about its center of gravity is defined as

C = AC

D + AC

D

TRIM i 2

TAIL

®)

where ACD is the increment in wing-body induced drag due to compensating, by wing lift, the tail load required to trim

i
the aircraft, ond

aC = aCp + Cp

D
PraiL

TAIL iTAI L

Note: C

PTAIL

+ C
LraiL

'

tan ¢ <

D is normally included in the airplane profile drag build-up and not in the trim increment.
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In preliminary estimation procedures, the most important coniponent to recognize is the wing induced drag effect,
/’/‘/ aCq which can be derived from the change in tail load required to trim by
i

c, +C ( % )
Mo ™ TLap\9C ) pch
C = ] 7C (]0)
LaiL T
Thus, estimation of CM and de/dCL are required for the wing-body configuration. The non-planar vortex lattice pro-

o
gram calculates wing-body lift and pitching moment characteristics for this process. Examples of the correlation between
theory and experiment for a subsonic transport configuration are shown in Figure 24,

M = 0.7
More refined trim drag estimation through recognition — THEORY
of the generally small changes in the tail components can be © EXPERIMENT

obtained by use of established techniques for estimating pro-
file drag and wing downwash (47).

2.4 Interference Drag

W
iakd

Aerodynamic interference between aircraft components
in close proximity is fundamentally the result of increased
supervelocities, pressure gradients and boundary layer con-
fluence at the junctions, and may lead to premature
separation in some cases. While theoretical viscous flow
methods for predicting wing=body interference have not
been developed, potential theory can provide guidance
in the initial shoping of junctions, thereby reducing the
required omount of experimental development efforts. In
the preliminary design stage, interference drag, other
than the effects of the fuselage and pylon-nacelle on M
wing induced drag, is usually taken to be negligible at
the Lockheed-Georgia Company, with the assumption

n ~ DEGRE

'
[=]
(=3
s

I

o

that this goal can be achieved during the normal wind -0.06} 0°
tunnel phase by appropriate filleting, as shown during o 5 oo oU ©°

the development of the C-5A configuration (48). This \ . n , \

goal is not always achieved, however, or even attempted o 0. 0.2 03 0.4 0.5 0.6
by some design teams, as witnessed by several aircraft <,

development programs during recent years. FIGURE 24, CORRELATION OF LIFTING SURFACE

THEORY WITH EXPERIMENT

Other component interference, for example, pylon/
nacelle/wing and empennage interference is minimized as far as possible by designing for smoot!i area distributions and
optimum contouring to avoid excessive supervelocities and adverse pressure gradients. The favorable effects of installing
pylon/nacelles under wings will be dealt with in some detail in later sections.

2.5 Correlation of Predicted and Wind Tunnel Wing Drag

The wing drag component can be expressed as 2
C
L
CDWING ) CDP * mARe i
WING
where CD is the profile drag, including variations away from the optimum CL for minimum drag, and CLZ/nARe is

P

WING

the vortex induced drag comprising the net effects of a non-elliptic spon load distribution.

During preliminary calculations of the configuration drag, a numnber ~f approaches to the estimation of profile drag
are available as already indicated in previous sections. Examples of some of these are given in Figure 25(a), (b), (c). The
data are from three Lockheed-Georgia transport configurations, the C-141A, the C-5A and an advanced transport design
study LGX~124, The tests were conducted with transition fixed, and data for M = ,700 have been chosen to represent sub-
critical conditions, although at off-design CL some degree of supercritical flow is inherent in the test results, and this must

be borne in mind when reviewing the comparisons. Test data for "wing-alone" is obtained by subtracting fuselage-alone
results from wing-fuselage data,
Five methods have been investigated for estimating profile drag;
B @~ _
I{a) Cf x (SF)Ref (16) + v ks where e is calculated from experimental span load distributions, and Cf is th'e

¢

spanwise integration of the local chord values of Cf.



1-15

SYMBOL METHOD
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(o) C-141A (b) C-5A (c) LGX-124

FIGURE 25, WING DRAG PREDICTION

I(b) As I(a), with shape factors from average supervelocity based upon measured pressure distributions.
I{c) Asl(b), with Cf based on the Reynolds number of the mean aerodynamic chord.
II Profile drag from the subsonic viscous flow program (Section 2.1.2) using test pressure data as input.

Il Profile drag from the subsonic viscous flow program using geometrical data as input.

Comparisons of the test data with estimates reflect the degree of wing-body interference for each configuration, as
well as the accuracy of each estimation method. For the C-141A configuration, Figure 25(a) some excess profile drag was
known to be present, even though this is a high-wing configuration. Methods I(a), (b), and (c) appear to disagree by 10%
at typical cruise CL' whereas methods |1 and Hl} predict CD and the variation of CD with CL within 3% of the experimental

P
results. These differences essentially reduce to the estimated values of CD from each method. The shape factors

PMIN
derived from methods I{a) and (b) are less than the implied shape factor from lll, again indicating that the viscous theory
accounts for substantially more form or pressure drag than the other methods. It is interesting to note that one of the
common methods of estimating wing flat plate skin friction, 1(c), by representing the wing Reynolds number by the MAC
value, gives closer agreement to lil. This approach is satisfactory only for wings with moderate taper ratios (49).

The comparison for the C-5A studies, Figure 25(b), show similar results. The test data for the LGX-124, Figure 25(c)
a low wing configuration, show a non-linear variation of CD with CL , indicating excess profile drag and some separation

problems at high CL due to non-optimized wing-body junction design. Consequently, methods I(a), (b), and (c) (I} and 11I

unavailable) predict optimistic drag at cruise for these configurations.

3. PREDICTIONS BASED ON WIND TUNNEL TEST DATA

3.1 Introduction

Aircraft configuration development is usually planned to include a series ¢f low and high speed wind tunnel tests, with
the initial series at the project definition phose in order to substantiate the early drog predictions. The uncertainties re-
garding early project estimates on absolute level of subsonic profile drag, viscous drag creep in the subcritical range, and
drag-rise onset are defined, and development of the configuration for minimum interference proceeds through a series of
flow visualization studies, and an analysis of the aircraft component drags supplemented by theoretical methods where

appropriate,

Use of wind tunnel test data to predict total configuration drag at full scale conditions is one method in use by industry
teams. Unfortunately, many early attempts at this method have failed due to accumulated errors in the mode! testing tech=
niques and empirical scaling processes. Experience gained during these pragrams, together with the introduction of refined
testing techniques and development of new theoretical methods are together helping to identify the true nature of the
problem and incidentally to highlight the limitations of existing test facilities.

R
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3.2 Wind Tunnel Testing Techniques STING INTERFERENCE EFFECTS ON MODEL

The evaluation of high speed model data free of inter- o L'S-M tlyt L'B-M

ference from the support system has been a continuing problem L FROM PLOT 1/D —= 0
to aerodynamicists duriny recent years. One system, favored Yom

by the Lockheed=Georgia ;or.npany basef:l on experience ?oined RUAGE NTERFEREINGE GI\MOoEL
during the C=5A program, is ill.-rrated in Figure 26. This

concept avoids the use of a rear-mounted support sting and the B. DORSAL STING, MODEL & BLADE METRIC.
problems related to interference of the complex flows in the e+l o+ +

g M-8 'B-M  D-M
vicinity of rear fuselages and empennages. C. DORSAL STING WITH METRIC DUMMY

BLADE ONLY. L, + LI
The model is supported by a forward mounted, load B I-p

bearing, thin blade from the lower fuselage, (A), through a D. BLADEOUT. L, +L,
support sting situated below the model, This configuration D-m

measures the combined model load, LM' and the interference

terms LI and Ll , the interference of the sting on the
S=-M B-M
model and blade on the model, respectively. The sting inter-
ference term, LI , is obtained by extrapolating respective
S-M
load data at each of four different sting displacement distances
to an infinite displacement of model and sting, D ~ . The
second configuration is designed to obtain the interference of E NTERFEREN
the blade on the model, LI . For these tests, the model is
B-M L, = A - (8-C-D)
mounted on an auxiliary load bearing dorsal strut. Tests can
be made to measure both totul model plus blade load, plus
dorsal interference load, LI

D-M
® L+ by +l o+l 4L N\ Biade/mone
M-B B-M D-M o JUNCTION
Y
and with a metric dummy blade only, where the blade Vo3
load plus interference of the model on the blade is FIGURE 26. SUPPORT INTERFERENCE EVALUATION
measured,
(C) LB + Ll - BLADEOUT L, + L,
M-B D-m
=X~ (DERIVED) LM+ LI + LI
Without the dummy blade installed, the total load meas- D-M  'B-M
ured is the model plus interference of dorsal on model ~& MODEL & BLADE METRIC L+ L + L +L +L
B M 1 I
M-B B-M
O) L, + L -
M lD-M M = 0.700
0.6
Thus, interference free data, LM' is obtained from /A
D-B+A+C, &
0.5} ” I/
One example of the net blade interference term, shown ¢ -
in Figure 27 is seen to be unfavorable to the mode! and to have /—_x
a significant effect on the measured induced drag, amounting 0.4r A INCREMENT FROM METRIC
to approximately 6 aircraft drag counts at cruise CL' é :LADLE ONLY TEST
0.3F .Fe 8” IM-B
The other important aspect of testing models for drag pre- !
diction is the correct simulation of the full scale boundary layer "
characteristics on the model surfaces. Ideally, we require to 0:2f ¢
simulate a boundary layer growth which represents a smooth [
fully turbulent condition. The method of artificially fixing ok [
transition is essential when full scale drag prediction is ‘ by
attempted from wind tunnel data. However, very careful and ) K
. . . . L L 1
:);s:;:;tll:v:el:fsc:':'eb;e:zz:c'i to ensure that correct interpretation 0.020 0,024 "0.0%8 “-03::?- 0,038 0,040 0.044
o

In subcritical flows it is customary to trip the boundary
layer close to the wing leading edge. Brailow et al (50) has
shown that it is possible to obtain essentially a zero drag penalty

FIGURE 27, BLADE INTERFERENCE EVALUATION

due to transition strip providing narrow, sparsely distributed, bands of roughness are used. The roughness size for a given
wind tunnel Reynolds number is determined according to the criterion RK 2 690, the critical roughness Reynolds number

based on the roughness height, k, the velocity at the top of the roughness, UK’ and the kinematic viscosity at the top of
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the roughness, VK Results of systematic tests on a C-5A

model are shown in Figure 28, Transition was fixed by 0.05
inch wide bands of sparsely distributed ballotini beads of the
same size across the span at constant distance from the 6
leading edge, according to the criterion that RX 20.1x 10",

For a given Reynolds number and roughness size, transition
was monitored by sublimation tests to determine the exact
transition location on the wing. The results show that at
RN =4,2x lOé/MAC a plateau was obtained representing

a fully fixed condition and that no measurable drag increase
was obtained over a roughness size range from ,0021 inches
to .0045 . .hes. Beyond this size the roughness height
approache, the boundary layer thickness and a drag in-
crease is obtained. As Reynolds number is decreased the
width of the plateau also decreases and it is seen that for

a given roughness size, transition begins to move downstream
of the band. |t is important to note that unless sublimation
checks are made at each condition, low Reynolds number
tests can produce an erroneous variation of drag with rough=-
ness size which can be incorrectly interpreted as "roughness"
drag.

In the supercritical flow range the problem of high
Reynolds number simulation becomes far more complicated.
This was first identified by Paterson (51) du:ing the C-141A
flight test program and has subsequently been confirmed by
a number of papers on the subject, notably that of Pearcey,
Osborne and Haines (52). For attached flow conditions, a
number of conflicting features are apparent in the simulation
process. Recognizing that transition must be fixed to avoid
the extent of laminar flo varying with Mach number and
CL' a forward location will inevitably produce boundary

layer thicknesses at the wing shock location and trailing
edge which are non-dimensionably greater than full scale.
The problem is compounded if there exists a type B flow
condition (52), where incipient rear separation is present,
so that we have conditions where interaction of a shock
induced bubble with the rear separation are aggravated by
low Reynslds number transition fixing methods. There is
no precise way to avoid this problem, other than detailed
experimental analyses through pressure surveys and flow
visualization to identify the type of flow condition relevant
to the particular wing desigii. In the case of the C-141A,
the subcritical flow condition is characterized by a strong
adverse pressure gradient and a rear separation tendency
which is very sensitive to changes in upstream boundary
layer thickness. It is pertinent to note that this charac-
teristic is becoming increasingly identified in the new
generation of highly loaded 'supercritical' w'ngs. For the
C-141A Paterson (53), (54) has shown that the low wind
tunnel Reynolds number condition exhibits, at drag-rise
conditions, a rear separation which extends rapidly forward
to the shock with increasing Mach number or angle of
attack, resulting in a retarded shock movement. This is
illustrated in Figure 29. Due to the over~thickened model
boundary layer, however, a compensating and over-riding
effect is the less favorable trailing edge pressure recovery,
leading to a net premature drag rise.

One method of possibly achieving a closer correlation
of the drag=rise characteristics is to locate the roughness
band further aft, but adhead of the transition free shock
location to reduce the discrepancy between model and full
scale trailing edge boundary layer thicknesses. Paterson
(53) investigated the possibilities of this technique and
showed that it provided closer agreement with flight test
results. However, this technique does not guarantee that
transition remains fixed ahead of the shock at all Mach
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number and CL combinations. An example of the improve- C -0.4

ment in agreement between wind tunnel test dota and flight
test results is shown in Figure 30. To minimize discrepancies 0.010 F
in gerodynamic loads for the C~5A, the technique wos in- AFT 1o A NSITION
troduced of fixing transition at a location near the leading
edge and re-energizing the boundary layer ahead of the
shock by means of vortex generators, This procedure was
first correlated using @ C-~141A model and C-141A flight test
results of shock location and then used on the C-5A wind
tunnel tests. Although this served the development purposes
of the C-5A, it too suffers from the fact that it is to some
extent configuration oriented, and to adequately cover the 0.004 |
complete range of Mach number and angle of attack, the
location of the vortex generators must be varied so that FWD TRANSITION
they are always ahead of the shock, a prohibitive if not 0.002 AFT TRAMSITION
impossible testing technique. The method is, of course,
not suitable for drag prediction because of the "over-
thinning" effect of the vortex generators on the boundary 0 . i i i
layer and the resulting spurious interaction of the 0,70 0,72 074 0.76 0.78  0.80
boundary layer and shock, MACH NO.

FIGURE 30, C-141A DRAG RISE CORRELATION
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3.3 Examples of Interference Drag Measured in the Wind Tunnel

The inadequacies of theoretical metiods to determine interference drag can be judged by a review of some examples
of wind tunnel measurements on component interference. Two items are singled out for detailed discussion. The first is
that due to an upswept afterbody and the effects of other components on the pressure drag of the afterbody. Figure 31,
shows estimated and experimental data for a fuseloge with an

upswept afterbody and the effects of adding wheel fairings C-(ON SWING)—

located on the parallel section of the fuselage ahead of the D At GNP
afterbody. The experimental drag of the isolated fuselage TEST DATA 0.0081

(obtained from a blade-mounted model of the C-141A) EXTRAPOLATED'LH“'%—__.,

closely approximates the estimate at angles of attack TO M=0,0 q.\{ﬁ.mal %

beyond 3%, where attached flow exists, while at nega- COMPUTED (T T e v P

. . | —8 ESTIMATES
tive angles of attack separation on the afterbody causes AFTERBODY —— = =7 —1—\‘-‘_———5‘\;—— '

the drag to increase 20 counts above the estimate. PRESSURE DRAG bl \ HOSERASE
The wheel fairings cause additional drag at negative FUSELAGE ?A?Sf;g:u
angles of attack; flow visualization studies indicated the 0,002 ALOME

drag increase to be due to separation of the flow at the

base of the fairings.* The apparent drag increment due 1 1
" . . . % -4 -2 0 2 4 6
to adding the fairings increases with angle of attack in-
dicating an additional interference effect on the afterbody, orpy - DEGREES
because its boundary layer becomes separated, due to non=- FIGURE 31, THE EFFECTS OF WHEEL WELL FAIRING
optimum wheel-fairing/afterbody contours. Afterbody ON FUSELAGE PROFILE DRAG
pressure drag was computed from a static pressure survey
for the fuselage-wheel fairing configuration. These results (shaded) show a similar trend of drag with angle of attack to the
force balance data; however, a significant difference in level exists due to the fact that the estimate for the wheel fairing
drag assumes attached flow conditions.
Af O BODY + WWF + WING + EMP
f. : terPody pressure drag for three model con~ @  BODY+ WWF + WING
igurations is shown in Figure 32, Here, the addition
of ihe wing shows a reduction of the afterbody pressure & [ ESRi YR

drag, whereas adding a fin and horizontal T-tail in- e M = 0,700
creases the interference drag on the afterbody by 18 ! Ry = SX10/FT
counts at cruise angles of attack. A polar plot of the -

static pressure variation around the aft fuselage at o CD,M2 !’\

station halfway along the aft facing afterbody surface *o ﬂ\

showed that adding the wing to the fuselage-wheel -

fairing configuration resulted in increosedgsucﬁon at ! i \\\"0
the top center line (8 = 0°) and maximum half breadth | i-.._______‘__‘___-_-_-

(8 = 90°) locations due to the imposed downwash field ok | & T—h—y o
in the cross flow plane. The positive pressure increase D‘h-""‘mm__.___‘_‘_-

on the lower surface is more significant as far as pressure I:""""------E,
drag is concerned due to the rapid pressure-area change -0.001 f A )

on the fuselage underside, resulting in a favorable - =2 o 2 4
interference effect on afterbody pressure drag as in- Bgq - DEGREES

dicated in Figure 32. The effect of adding the FIGURE 32, COMPONENT INTERFERENCE EFFECTS

ON AFTERBODY PRESSURE DRAG

*A modified wheel-fairing developed on the basis of flow visualization studies, reduced the drag 6 aircraft drag counts,
however, it was not incorporated in the production configuration.
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empennage is to create a large increase in suction on the afterbody, resulting in a more adverse transverse gradient at
fuselage stations in the vicinity of the fin maximum thickness location. It is possible that reduction of this interference
drog could be obtained by modifying the dorsal fillet to minimize the fin supervelocities.

Some indication of a favorable scale effect on the afterbody pressure drag interference term is shown in Figure 33,
however, it is insignificant at cruise angle of attack,

The second item to be discussed in detail is that of wing/pylon/nacelle interference and the approach used in
minimizing this component in wind tunnel tests, Considerable experience of this problem has been gained during the
C-5A program, and also on the L=-500 project.

The major elements of the wing/pylon/nacelle flow field for an underwing installation are shown in Figure 34,
Prediction of the full scale installed pylon/nacelle drag is a complex problem dependent on mutural interference of
nacelle inlet flows, nacelle afterbody flow and power effects and the wing stagnation field. These effects are m=asured
on wind tunnel models in the normal development phase of a project.

FUSELAGE + WWF
WING STAGNATION
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0.002f = == il

L e
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-FAN JET JgT FLOW

MACELLE
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. IMTERMAL FLOW
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0 | L ! INLET PRE-ENTRY AFTERBODY
-4 -2 0 2 4 STREAM TUBE FLOWS
ARl " DEGREES
FIGURE 33, REYNOLDS NUMBER EFFECT ON FIGURE 34, MAJOR ELEMENTS OF WING/ PYLON/NACELLE
AFTERBODY PRESSURE DRAG FLOW FIELD
Summary curves of the net interference of an installed
pylon/nacelle are shown in Figure 35 from optimization tests 0.0020
on the L-500 project, for a free flow nacelle. For pos:tions C 0,45
of the nacelle exhaust plane relative to the wing leading
edge, X/C greater than ipproximately 0.20, it was found 0.0016}
that favorable interferer. ze was obtained with increasing
vertical displacement Z/D up to 1.1. Only ot forward
nacelle locations, X/C < 0.20, was it beneficial to move 0.0012f
the nacelle up toward the wing to obtain highly favorable

results,
0.0008}
The effects of simulated power have been investigated
in detail on a large L-500 semispan model (55). To gain a
better understanding of nacelle/pylon/wing interference
effects, an analysis was made of the component force changes
due to interference and how the total forces are distributed
between the nacelle/pylon and wing. For this study, the 9] o
3/4 length duct configuration, KMN(’, was selected. -
Figure 30 shows overall nacelle interference effects for the
complete aircraft configuration. Interference effects on -0.0004f
the nacelle are mostly unfavorable except in the range of / ] y
fan pressure ratios 1.0 = 1.1, The component of inter- ; :
ference on the wing is, on the other hand, highly -0.0008} -
T — X p—
¥ —C

0.0004

INTERFERENCE

favorable, but reduces with increasing fan pressure
ratio. Because of the nacelle effect, the total favorable -0.0012
interference diminishes at a faster rate with increasing )
fan pressure ratio, from =12 counts to about -6 counts at
the full scale value of 1.475.

FIGURE 35, FLOW-THROUGH NACELLE POSITION

EFFECT ON AIRPLANE DRAG, CL = 0.45

From the same analysis, Figure 37 presents a correlation of the results from a free flow nacelle test with the data from

the powered nacelle test at a fan pressure ratio of 1.475. This indicated generally good agreement of the angle of attack
effects on total wing/pylon/nacelle interference between the two techniques for this nacelle configuration.
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3.4 Extrapolation of Wind Tunnel Test Data to Full Scale =0.001 = .\ \o
Conditions =
i | i Lo
The technique of testing a wind tunnel model with 0.1 0.2 03 0.4 0.5 0.4
transition artificially fixed implies that use can then be made ]
of the classical skin friction laws for smooth turbulent flow to
predict the full scale level of drag. Examination of the com- FIGURE 37. WING/PYLON/NACELLE INTERFERENCE -
ponent drag equation for an aircraft suggests it is easy to AIRCRAFT DRAG

identify possible primary or secondary scale effects on all
the terms. However, we shall emphasize the effects on the

primary terms, namely the minimum measured profile drag, C , the lift dependent profile drag, CD , and the

Op P
min CL
summation of the individual profile drag estimates for each component, ZCD . Thus, scale effects on the excess
I:’min

profile drag due to interference are included.

The principal assumption upon whic‘h predicted full scale drag is based is that

c \ >
/ D, Dp
min | N min (12)
E'F WIND - tl’ FULL
TUNNEL SCALE

This implies that form drag over and above flat plate e———_C USING RN/MAC

skin friction reduces with Reynolds number, since Cf at De a1 PLATE
FP
full scale is less than C; in the wind tunnel. Excess profile —— ——-—AVERAGE C, FOR
FLAT PLATE
drag is assumed to remain constant over the Reynolds number WING PLANFORM t/c = 0
range of interest, M = 0.700
0.010r prOFILE DRAG TRANSITION x/c = 0,06

Results of some studies on scale effects on profile drag ESTIMATES
of a typical transport wing are shown in tigure 38. As . o.008f .
» . - . . * -\-\-‘-\-'
introduced in an earlier section, methods under the heading Dp I(c)l!;“?x:'""---
(1) are from preliminary estimation procedures, using shape MIR I(b) - x'::"-a-:h"““*--.___
factors from either Reference (16), or from average super- el =i _::q:':-h-h':.-:_h_____-_"“"-- e
velocity calculations. Also shown in Figure 38 are the wing e o e e
profile drag from methods Il and 111 using viscous theory. 0.004f T — T
The average wing shape factor showing the degree of form
drag above flat plate skin friction is shown to differ by 30% 0.002} i
at low Reynolds numbers. The implications of these differences
in Reynolds number corrections from wind tunnel to full scale . o iy s N
are a maximum difference of 7 counts in full scale drag level. 2 3 45678910 20 30 4050 i
The maximum difference in scale effect from methods I(c) and REYNOLDS NO. X 10°¢ §
I, or lll is however, only 3 counts for the wing. A corres- ' :1
ponding total aircraft figure is estimated to be of the order FIGURE 38, SCALE EFFECTS ON MINIMUM PROFILE

DRAG OF A TRANSPORT WING

el



estimated by the theoretical viscous method using ordinate data, indicate that shape factor is constant over the whole

of 5 counts between these methods. It is interesting to note that the results from method Ill, in which profile drag was &l
|-
Reynolds number range, confirming one of the basic assumptions in the scaling process.

4, CORRELATION OF C-5A PREDICTED & FLIGHT TEST DRAG

4.1 Introduction

Preceding sections discuss, in general terms, some of the approaches to preliminary estimation of drag in the sub-
sonic range. Wind tunnel testing techniques in current use are also described. The use of wind tunnel data for full=scale
prediction requires, in particular, that account be taken of:

{i)  Reynolds number effects on profile drag,

(ii) The difference in transition locations on the model and full scale aircraft,

(iii) Differences in the surface roughness between the highly polished wind tunnel model and the aircraft.

In the case of the C-5A these and other corrections are necessary to determine a realistic drag level at full scale

conditions. The following is a detailed discussion of the model corrections, leading to the analysis of flight test drag
data, and finally a correlation of predicted and flight drag at both subcritical and cruise conditions.

4.2 Corrections to C-5 Wind Tunnel Data

4.2.1 Wind Tunnel Facility Correlation Corrections

Subsequent to the high-speed wind tunne! development program on the C=5A, a study was initiated, sponsored by
USAF Aeronautical Systems Division and NASA Ames Research Center, to establish data correlation between various tran-
sonic facilities using the high speed C-5A 0.0226 scale model (56). An appraisal of the data from the various facilities
was made through analyses of the force measurements and facility flow characteristics. This indicated that a number of
corrections could be applied to the basic model data in order to explain the various facility discrepancies. These
corrections, confirmed by detailed calibration measurements, can be summarized as follows:

ACD

CL =0 CL = 0.45

Buoyancy +0,0003 +0.0003
Mach Number -0.00015 -0.00016
Wall Effects 0 -0.00023
Inertial Effects +0,00045 +0.00045
High Order Interactions +0.00015 +0.0000§
Total +0,00075 +0.00041

These corrections are applied to the wind tunnel data in this analysis.
4.2,2 Reynolds Number Correction

Various methods of estimating scale effects on profile drag are discussed in Sections 2.5 and 3.4. The scale effect
on CD is defined as the increment between the estimated profile drag at the wind tunnel Reynolds number and the mean

P
cruise flight Reynolds number of the aircraft assuming a fixed transition location. For the C=5A, the mean cruise Reynolds
number is 55 x 109/ MAC.

Two methods of estimating and scaling profile drag are used for the C-5A analysis. These are, referring to Section
2.5, method I{c), in which profile drag is estimated by a shape factor based on su, ervelocity of each component and the
Karman Schoenherr flat plate skin friction law, and method Il or 111, which uses the subsonic viscous flow theory. Method
I(c) gives a correction of ACD = 0.0061, while methods Il or Ill indicate a correction of 0.0066.

4.2.3 Tronsition to Leading Edge

Section 3,2 points out that the method of fixing transition on the C-5A mode! resulted in no measurable drag on the
model due to the roughness band. The transition strip was placed at a constant distance of 0.8 inches from the wing
leading edge (Rx =0.4 x 106), 2 inches from the fuselage nose, 0.4 inch from the leading edge of the fin, tailplane and

pylons, and on the nacelles it was placed 0.8 inch from the lip externally and 0.4 inch intemally. Since transition on

the airplane at flight Reynolds numbers is assumed to occur at the leading edge of all the components, a correction must $
be applied to the wind tunnel data to simulate transition at the leading edge. This correction is estimated to be q
AC,, =+0,00135, 3
D &
3
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4.2.4 Pylon Nacelle Drag

Section 2.4 describes some of the techniques for measuring pylon nacelle interference drag in wind tunnel tests.

For the C-5A performance calculations, the division of airframe drag and nacelle drag was defined as the intersection

line of the pylon and nacelle (see Figure 39).

Isolated nacelle drag was accounted for in the engine thrust levels, and

assumed independent of the wing/pylon/nacelle mutual interference effects. lsolated nacelle drag consists of the following:

(i)  Afterbody Pressure Drag
(ii) Forebody Additive Drag

(iii) Intemal and External Skin Friction Drag
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FIGURE 39. C-5A MODEL AND FULL SCALE DRAG COMPONENTS

+(8)+ (C)+ (D) =

0.002495

The C-5A high-speed model nacelle fan cowl contours were identical to the full-scale nacelle, Downstream of the
fan cowl, the model nacelle contours represented the boundary between the supersonic exhaust flow of the fan and the
external local flow, as shown in Figure 39. Tests conducted on a 0.057 scale powered nacelle semispan model indicated
that the hard boundary free flow nacelle provided good simulation of the actual powered flow characteristics and inter-

ference effects.

Afterbody pressure drag is defined as the total pressure-area force, due to external flow, which acts on the aft-

facing area of the isolated nacelle.

This is a function of Mach number and fan nozzle pressure ratio. During early studies

of the afterbody pressure drag for the isolated full scale nacelle, an estimated value of 5.5 aircraft drag counts was applied

to engine thrust levels.

Although this procedure was correct so far as the isolated nacelle was concerned, data was com=

piled from subsequent wind tunnel tests to confirm that the installed effects of the nacelle were favorable to the aircraft
drag. Figure 40 presents nacelle centerline static pressure characteristics showing the effect of the wing lower surface

positive pressure field on the installed nacelle. Figure 41
shows the ofterbody pressure drag versus angle of attack,
and also confirms the technique for simulating powered
nacelle effects by using a "hard boundary " modified
afterbody free flow nacelle. Thus all installed effects
were assumed to be inherent in the model and full-scale
drag polars, and only the isolated afterbody drag was
accounted for in performance calculations, as shown in
Figure 39. The model full-scale contours of Figure 39
indicate that a further pressure-area term existed due to
the exhaust cone not represented on the model. This was
assumed to be also favorable but was neglected resulting
in some very small degree of conservatism in the prediction.

Forebody additive drag results from incomplete re-
covery of inlet diffusion momentum over the forward facing
portion of the nacelle lip and external cowl. For the C-5A,
the cruise mass flow ratio Ao/Amax was 0,65, with a

corresponding nacelle exit CP =4+,20, For the high-speed

force model, a slightly higher mass flow ratio was sbtained,
resulting in an average exit CP = -,005 at cruise Mach
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numbers. For model correction purposes, the estimated fore-
body additive drag for an isolated nacelle assumes that the
interference effects of the wing flow field occur independently
of the mass flow ratio, and are assumed to be included in the
mode| drag polars.

Internal drag calculations were made for the C-5A
mode| nacelles corresponding to the model test conditions.
Figure 42 presents summary plots of the forebody additive
and intemnal drag components as functions of nacelle exit
pressure coefficients.

The external model nacelle profile drag was estimated
using standard methods. Figure 43 presents a summary of the
C-5A nacelle drag increments necessary to achieve compati=
bility of the model drag and full=scale thrust for correct
performance calculations.

4,2.5 Roughness Drag

The term "roughness drag" is used to describe parasite
drag in excess of the basic skin friction oand form drag, due
to manufacturing tolerances, fasteners, profuberances,
antennae, vents, probes, surface waviness, and skin surface
grain structure and finish. Drag estimates for these items
are generally based upon the data of Wieghardt (57),
Hoerner (16), and Schlichting (58). The majority of these
data were obtained at relatively low Reynolds numbers
and Mach numbers; data for Reynolds numbers in excess
of 20 x 10® and Mach numbers high enough to produce
mixed subsonic and supersonic flow are not generally
available. Although these data are the primary source
of roughness drag estimates and thus have received broad
acceptance throughout the industry, they remain largely
unsubstantiated at full scale conditions of Reynolds
number and Mach number.

Notw ithstanding the shortcomings of these data, they
can be and are used to evaluate roughness drag by judicious
application combined with computed or experimental data
on local flow velocities and boundary layer conditions.
When the roughness item height is large compared to the
momentum thickness of the boundary layer (h 2 108), the
boundary layer effects are minor and the pressure or form
drag of the item predominates. For small roughness
elements, where h < 26, boundary layer effects predominate.
Roughness elements falling between these limits require a
rational application of all known factors.

The effects of small isolated protuberances are the
most difficult to quantify. Fasteners fall into this cate-
gory and, depending on the fastener patterns and
distribution, may tend to act more as a distributed
roughness than isolated elements. Fasteners can become
a very significant drag item if not properly controlled
and for this reason most modem transport airplanes use
flush fasteners. Even here, however, manufacturing
and production tolerances result in protrusions and de-
pressions of the order of +0,0005 to +0.0010 inch,
depending on the method of fastener installation, i.e.,
machine versus manual. These actual tolerances are
significantly less than those specified by the aero=
dynamics requirements document. Boundary layer calcu-
lations for a typical wing section indicate the thickness of
the laminar sublayer to be 9.0005 inch at the front beam and
0,002 inch at the rear beam, thus it would not be expected
that these fastener tolerances would contribute a significant
drag increment. In addition, modem paints and painting
techniques tend to minimize flow disturbances due to
fasteners by the inherent smoothing action of the paint
application.
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To achieve an acceptable level of roughness drag a concerted effort must e made throughout the design and develop-
ment phase of a project. This requires the coordination of the requirements of the aerodynamicist, the ingenuity of the
designer, and the skills of the toolmaker, the master model maker and the production staff, to arrive at the desired goal.

To assure orderly progress of this effort, the aerodynamicist must establish a target roughness drag level, prepare an aero-
dynamic smoothness requirement specification, and continuously monitor estimated roughness drag levels as the design
develops. In this way, reasoncble compromises between conflicting requirements can be made and design changes necessary
to achieve the target drag level can be properly evaluated on the basis of overall system economics. For the C-5A the
target drag level was established as 0.0007 in CD or 5 percent of the estimated full-scale profile drag. Although con-

siderable improvement in the estimated level of roughness drag between the first preliminary design estimate and the final
production configuration estimate was achieved as a result of continuous surveillance of roughness sources, it was not
possible to achieve the target drag level. Figure 44 presents a comparison of the final estimate and the target levels for
the major contributors to roughness drag. Examination of these data show that elimination of one item, the drag of the
exposed flap tracks, would have reduced the estimated drog level almost to the target amount. Design studies were con-
ducted to evolve a scheme for just this purpose, however, complexity and potential maintenance problems combined to
negate incorporation on the production configuration. The validity of the estimated roughness drag increment will be
discussed in a later section of the paper dealing with wind tunnel - full scale correlation studies.

8Ch ACD
(Counts) (Counts)
Item Estimate | Target Item Estimate | Target
General Fuselage
Antennae .535 Doors .250
Anti-Collision Light .010 Waviness .046
COPIR Installation .024 Air Conditioning I/O System 1.350
Windshield Wiper 160 Nose Radome & Vent 115
Total 729 T.500 | Leakage (Pressurization) .500
Win Negative Pressure Relief Vents .200
=9 Wheel Well Fairing Vents .056
Skin Joint Steps & Gaps 291 Wheel Well Fairing Slip Joints .020
Aileron Spacer Gops 245 Wheel Well Fairing Surface .072
Step at Slat T.E. 150 APU Exhaust Outlet .020
Discontinuvities at Slat Segment Ends .500 Fuseloge Doubler .250
Slat Actuator Doors .010 Wing Rost Fairing Slip Joints .029
Step ot Spoiler T.E. 210 Visor Door - Fuselage Joint .186
Spoiler Gaps .340 Kneeling Blisters .200
Wing Tip Lights .002 Total 3294 | 3700
Static Discharge Wicks 060 E
Anti-lcing Air Exhaust .022 =mpennage
Steps and Gaps Around Flaps .200 Skin Joints .094
Exposed Flap Tracks 1.600 Spacer Gaps .452
Exposed Bearings .250 Bullet Base .007
Gear Boxes .200 Total 553 | 500
Flap Trolley Bumps .400 Pyl
Total 740 | 7875 | =&
Steps and Gaps .022
Total 022 -0z
TOTAL 9.075 7.000

FIGURE 44, ESTIMATED AND TARGET ROUGHNESS DRAG INCREMENTS

The following is a list of the corrections applied to the C-5A wind tunnel data for correlation with the flight test data,

C-5A
Correction of Model Drag to Full Scale
Model Drag ot M = 0.7, CL = .45 Trimmed at 30% MAC .02935
Corrections (ACD):
Reynolds No. - Method Ic -.0061
= Method I, or HiI (-.0066)
Model Transition to Leading Edge Transition ’ +.00135
Roughness +.0009
Nacelle (Nacelle Drag Included in Engine Net Thrust) -.0025
Support Tare and Interference +.0001
Wind Tunnel Facility Correlation Correction +.00041
Total Correction -.00584
Full Scale Prediction .02351

Full Scale Prediction (with Method I, or lll Reynolds Nc, Cprr.) (.02301)




4.3 Analysis of Flight Test Drag

4.3.1

Aerodynamic Consideration

/-54

As used in this analysis, the components which constitute total drag are illustrated in Figure 45; thus an aircraft
flight drag coefficient may !.e expressed as:

where
c =

min

C,=C

D D

P

min

Minimum profile drag comprising
skin friction ond pressure drag on
all aircraft components plus drag
due to surface roughness. This
includes form drag and interference
of all external items on the aircraft,
protuberances, steps, gaps, surface
distributed roughness, ond leakage

drag.

Vortex drag corresponding to the
spanwise distribution of lift.

Trim drag, the additional drag
associated with the change in
component loads, due to the tail
load required to offset the pitching
moment for a given c.g. position.

Lift dependent profile drag.

+ CD. + CD

+CD

i trim PC PC

(13)

" SEPARATION DRAG, Cpy
L]

o

1

:

SHOCK DRAG & POSSIBLE

Pc
INDUCED DRAG (ELLIPTIC

VORTEX + NON-ELLIPTIC
VORTEX), CD

' i
TRIM DRAG, CD
TRIM

" VORTEX, FRICTION, LIFT
DEPENDENT PROFILE DRAG, CD
P

C
|~ MINIMUM PROFILE DRAG, C L

(SKIN FRICTION, INTER- 0P

FERENCE, PRESSURE, FLIGHT M!N

TEST INSTRUMENTATION,
SURFACE ROUGHNESS

FIGURE 45, BREAKDOWN OF TYPICAL SUBSONIC JET AIRCRAFT DRAG POLAR

Compressibility drag; wave drag and shock-induced separation drag, especially significant at off-design

conditions. In this correlation the induced drag and trim drag reflect Mach effects and therefore CD

is defined as the compressibility effact on profile drag.

Pc

Flight test measured drag are made equivalent to wind tunnel data at the same CL’ M and RN by correcting for air-

frame flexibility and center of gravity location, and by accounting for the drag of all external items such as flight test
instrumentation, which is not represented on the wind tunnel model. In equation form:

(14)

inst

CD =C + aC + aC -C
rigid flex rigid-flex trim
equiv €-9-
where
C = Measured flight test drag
flex
aC, = Flexibility drag at flight tast conditions
rigid-flex
ACD = Incremental drag between trimmed drag at flight test c.g. lozation and normalized c.g. location
"'mc.g.
CD = Drag of external flight test modifications for instrumentation
inst

Each of the drag components and the corrections necessary to determine rigid aircraft drag are discussed as the data are
developed for correlation.

4.3.2 Flight Test Program

The C-5A aircraft was recently flight tested under a rigorously supervised program combining the efforts of the Lockheed-
Georgia Company, the USAF Aeronautical Systems Division, the USAF Flight Test Center ond the General Electric Company.
Two in-flight photographs of the C~5A are shown for interest in Figures 46(a}, (b). Flight testing of the C-5A aircraft was
conducted ot Edwards Air Force Base, Califomia during the period 5 June 1969 through 15 January 1970, Performance data
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suitable for aircraft drag evaluation were obtained from four-
engine level-flight speed-power tests. Ten such flights were
made covering an altitude range of 5000 feet to 40, 500 feet,
a gross weight range of 439,000 pounds to 702, 000 pounds
and a speed range from M = 0.28 to M = 0.816. This
represented a Reynolds number range from 37 x 105 /MAC

to 105 x lOé/MAC. Lift and drag coefficients were
computed from measured parameters using the following
equations:

CL = Wcosy-FN sin[aFRL+iT] (15)
Cp = Fy cos [“FRL* iT] - W siny (16)
where

W = weight

FN = net thrust

GepL = angle of attack

Y = oangle of climb

iT = angle between thrust line and fuselage reference

line
= dynamic pressure

= wing area

Figure 47 shows, diagrammatically, the lift and drag
vectors on a typical aircraft such as the C-5A.,

4,3.3 Thrust Determination

The evaluation of full scale drag is primarily dependent
upon the accuracy inherent in the determination of installed
propulsive system net thrust. The computation of net thrust
for the installation of the TF3? engine on the C-5A aircraft
comprises a synthesis of drag, engine airflow and thrust cal-
culations, which have been empirically colibrated from the
results of both model scale and full scale test programs.

These procedures are outlined in some detail by Poland and
Schwanebeck (59); for the purposes of this paper only a
brief summary of procedures and results is necessary.

Due to the large gross thrust and ram drag of highly
efficient turbofan engines, such as the TF39, relative to
net thrust, accurate and consistent determination of these
quantities is essential to the evaluation of engine net
thrust. This is accomplished by the selection and cali-
bration of computational procedures based on experimental
values for pressure and temperature in engine exhaust
nozzles, Nozzle coefficients constitute the basis of this
calibration and provide a common denominator for com=
parative evaluation of test data for different facilities,
engines and test conditions.

Pylon=-net thrust is defined as:

FIGURE 46. C-5A IN-FLIGHT PHOTOGRAPHS

FN SIN (G'FRL+ iT)

w cosr—(tj W

W SINY - i
L ¢ TAIL
}
LTAILTAN €
V = RELATIVE WIND
V' = RELATIVE WIND AT THE TAIL
L'IAIL = THAT AMOUNT OF TAIL LIFT REQUIRED TO
BALANCE THE AIRCRAFT PITCHING MOMENT
LTAILTAN ¢ = DRAG COMPONENT OF TAIL LIFT ALONG

THE DRAG AXIS

FIGURE 47. SKETCH OF JET AIRCRAFT LIFT AND DRAG VECTORS

Pylon net thrust = = + fan nozzle gross thrust + core nozzle goss thrust - ram drag

- pylon and core cowl scrubbing drag - plug scrubbing drag

- forebody and afterbody pressure drags - fan cowl friction drag

The pylon scrubbing drag is for that portion of the pylon which lies within the streamtube determined for fully expanded

fan exk~ust flow.

It order to assure compatibility of the results from several test facilities and the various individual tests involved,

several precautions were taken to minimize data discrepancies.



1. The production configuration for the nozzle and nacelle contours was adopied os the reference configuration.for all 97 S,
performance testing of the TF39 engines and for nozzle/nacelle models, thus avoiding any requirement to adjust test /
results for differences in nozzle and/or nacelle geometry,

2. Production engines assigned to both the performance flight test program and to the altitude cell test program were
designated as Calibrated and Instrumented (C & 1) engines and were supplied with nominally identical pressure and
temperature instrumentation, avoiding any requirement to adjust experimentally derived nozzle coefficient data for
differences in sampling errors which might occur if the instrumentation were not identical.

3. The inlet bellmouths used for all outdoor static tests were of identical General Electric design and manufacture and
were provided with nominally identical instrumentation. Nozzle static pressures were used in combination with
nozzle total pressures and temperatures to compute airflow and thrust,

4. Nozzle coefficients were defined on the basis of total pressure at the nozzle throats in order to avoid discrepancies
in coefficient level due to differences in instrumentation sampling errors and internal viscous losses for differences
in hardware.

The results of tests of a number of C & | engines in the Lockheed Engine Test Stand, the results of General Electric
tests on their number 4 Engine Test Stand at Peebles, and the results obtained from the altitude cell test at Air Force
Arnold Engineering Development Center were used to establish the final nozzle coefficients.

Three independent checks of the thrust cclculation procedure have been made from analysis of flight test data for
a C-5A equipped with C & | engines.

The first check was obtained by securing the C=5A to 40
the test beds of the Edwards Air Force Base Static Thrust ENGINE COMBINATIONS
Calibration Facility and comparing calculated thrust to 01,2 3,4
measured thrust on a point by point basis. The results are a2 3
shown in Figure 48 for total thrust and average engine - " 4
thrust respectively. The agreement is better than 1 30} ! /

percent of average engine thrust or less than +0.5 percent
of the full scale thrust stand capacity.

.I'

0 J/
&

45"

Flight testing of the C-5A included a survey of
inlet flow using an inlet rake to measure both total and
static pressures and total temperatures. Airflow was also
determined throughout the program by the summation of
engine nozzle flows from measured nozzle pressures and
temperatures. Figure 49 shows excellent agreement in the
airflow obtained from these two sources, thus adding
assurance to the validity of the nozzle coefficients,

1 i |
which are used for both airflow and gross thrust calcula- 10 20 30 40
tions. The third obief:tive confirmation of in=flight thrust AVERAGE MEASURED ENGINE THRUST - 1000 LB
calculations was obtained from airplone drag calculations
for sawtooth climbs and descents. The drag coefficients FIGURE 48, C-5A STATIC THRUST COMPARISON ON
obtained from the calculation of net thrust during Normal E.A.F.B. THRUST STAND
Rated Thrust climbs and Idle Thrust descents are compared
to the drag coefficients obtained from level flight speed-
power tests in Figure 50. In the past, data scatter has
geierally tended to negate the potential usefulness of
this type of comparison, however, for the C-5A the 1800
climb and descent data describe a +2 percent scatter © INLET RAKE DATA
band around the level flight speed-power test results. & NOZZLE FLOW SUMMATION P

M = 0.6 o°
1600} 3

AVERAGE CALCULATED ENGINE THRUST - 1000 L8

The excellent agreement of test results from different
test facilities plus the flight-test confirmation of consis-
tency for thrust and airflow calculations provides assurance
that the full scale drag data for the C-5A are a valid set
for the purpose of wind tunnel flight test correlation
studies.

1400

4.3.4 Corrections to Flight Dota

INLET AIRFLOW W\/-~2_/52 - LB/SEC
(o]
D
%
Q

(a) Center-Of-Gravity location - Center-of-gravity
locations for the various flight test points vary from a forward
location of 19.5% MAC to an aft location of 36% MAC. In 1000 ; ; : " .
order to eliminate the variation in drag caused by varying 60 70 80 90 100 3
amounts of trim required, the data are corrected to a common FAN ROTATIONAL SPEED, N./VE - %
center of gravity location of 30% MAC, Wind tunnel dataq, g
for a range of horizontal stabilizer settings and varying Mach FIGURE 49, FLIGHT TEST COMPARISON OF INLET
numbers are used to establish this correction. Figure 51 is an FLOW CALCULATIONS
example of the effect of varying the trim center-of-gravity
location on the C-5A drag for constant trimmed lift
coefficients ot M = 0.700,
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(b) Flight Test Instrumentation Drag - A number of
external configuration changes were made to the flight test
aircroft to provide various items of flight test equipment,
Drag due to these changes is subtracted from the flight
measured drag. Pre-flight test estimates were made for
each item separately, using existing methods, and are
tabulated below. These estimates were substantiated
by USAF Aeronautical Systems Division and Flight Test
Center personnel.

Item _C_Q_

Nose boom and airspeed system .000043
Trailing cone and cable .000064
Takeoff and landing cameras .000061
Tail bump skegs .000196
Water ballast dump holes .000021
Nose straps 000037
Total .000422

{c) Flexibility - Flexibility, or aeroelastic effects,
as they are applied in this analysis, refer to the elastic de-
formation of the structure caused by aerodynamic and
inertia loads. The distortions of the aircraft structure
result in an overall redistribution of the aerodynamic
loads and corresponding shifts in aircraft center of pressure.
Of particular importance is the deformation of the wing.
Under the influence of aerodynamic lift, the wing deflects
upward along its elastic axis. For swept wings this results
in a reduction in local airfoil section angle of attack
compared with the unflexed wing.

This azrordynamic twisting or '"wash out" of the wing

reduces the local load on the wing with the greatest reduction
occurring at the tip. A! a constant wing angle of attack, the

integrated load is less than that of the unflexed wing, and
this lift loss is retrieved by increasing the aircraft angle of
attack. Figure 52 illustrates this characteristic for the C-5A
wing. As can be seen, substantial changes in the shape of
the span load distribution occurs in order to maintain a
constant trimmed lift coefficient of 0.5. Dynamic pressure
values of 400 pounds per square foot are typical of the
higher Reynolds numbers tested. The rationale for in-
cluding flexibility effects in the analysis is apparent from
Figure 52. The C-5A wind tunnel model wing was designed
with the rigged wing twist distribution, corresponding to the
rigid or q = 0 data, ond therefore considerable variations
from this base configuration occur in the flight results.

Even had the mode! been designed with the incremental
twist of some selected flight condition, the excursions in
flight conditions to either side of the selected flight con-
dition would necessitate corrections for aeroelastic
deformation.

Other components of the airframe, such as the fuselage
and empennage, also deform under aerodynamic loading,
however, their effects on drag are considered secondary to
those of the wing and therefore are not considered in this
analysis. The effects due to the wing flexibility are three-
fold: the changes in span load distribution produce (1)
corresponding changes in the induced drag and (2) corres-
ponding changes in local lift coefficients for the flexible
wing relative to the rigid wing, which ffects the wing
profile drag; and (3) the changes in load distribution are
accompanied by relocation of the wing center of pressure
which alters the trim tail load and the associated trim drag.
These are considered separately below.

NORMAL CLIMB 25000 FT
NORMAL CLIMB 35000 FT
IDLE DESCENT 25000 FT
IDLE DESCENT 35000 FT

@8 b o
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FIGURE 50, FLIGHT TEST DRAG COMPARISON -
SAWTOOTH CLIMBS AND DESCENTS,
CLEAN CONFIGURATION
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Vortex Induced Drag

As mentioned earlier in Section 2.2, vortex induced
drag comprises elliptic and non-elliptic vortex drag.

C, = =5 (17)

The span efficiency factor is calculated using lifting
line theory after Glauert (43). This method is used to
evaluate the induced drag over the range of lift coefficients
and Mach numbers of interest, Figure 53 presents the vari-
ation of wing span efficiency with lift coefficient for a
range of Mach numbers. These data are based on rigid loads
data determined from wind tunnel pressure tests. The effect
of wing distortion due to aeroelasticity on wing induced
drag is determinad by calculating the flexible spanwise
load distribution and the associated value of e. The re-
duction in load near the wing tip tends to reduce the
efficiency factor; however, this effect is more thar ur,
set by the increase in load on the inner wing and fuselage.
Typical results at M = 0,700 are shown in Figures 54 and 55.

Figure 54 shows the variation in wing span efficiency
factor as a function of dynamic pressure for a range of lift
coefficients. The incremental effect on induced drag
depicted in Figure 55 is then found from the following:

c? c
ACD. “\TAe .., T\ TAe (18)
rigid flex

rigid-flex

Wing Profile Drug

The second effect of the wing deformation is due to the
local changes in wing section angle of attack. This produces
changes in local lift coefficient and thus influences the wing
profile drag. The magnitude and sign of the change at any

locai wing station depends on the spanwise location, the amount
of distortion present, and the proximity of the local lift coeffi-

cient to the section design value.

In order to ascertain the incremental change in wing
profile drag due to aeroelastic effects, it is first necessary
to compute the profile drag of a rigid wing. The subsonic
viscous flow program described in Section 2.1.2 is used for
this purpose. |t is recognized that this theory is not valid
where mixed flow exists, and that for a large number of
flight test points such conditions are present. Data from
the two dimensional airfoil wind tunnel test program intro-
duced in Section 2.1.2 for an airfoil representing a C-5A
mid semi-span section, are used to define the section drag
variation with lift above the critical CI 3

Profile drag polars are first generated for various wing
stations using section ordinates. In this manner, the effects
of actual thickness and camber variations of the C-5A wing
are included. These polars are then used with the rigid and
flexible local lift coefficients for a porticular flight con-
dition to obtain the increment in local profile drag due to
the aeroelastic deformation.

The total wing incremental profile drag is obtained by

strip integration:
ACd C
C /—L (19)

D
wing

rigid-flex
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Figure 56 presents the increment for the C-5A wing as a 0.0005
function of lift coefficient and dynamic pressure. It is inter- M = 0.7
esting to note that both the induced drag and wing profile -
drag increments due to flexibility are favorable effects on i
the C-5A,

%
I

A better understanding of the profile drag increment
may be obtained by referring to Figure 52, where it can be
seen that outboard stations experience a reduction in lift as
the wing flexes. Thus, the section drag for these stations
tends to reduce from the rigid case. Just the opposite
occurs inboard. A typical spanwise variation in the pro-
file drag increment, rigid minus flexible, is shown in S 0.0001 -
Figure 57. The positive increments outboard have a
larger influence than the negative inboard increments,
and for the C-5A, the integrated result is a favorable drag 0 : = = - 0'4 4
reduction for the flexible case, This favorable effect is ; L T * )

obviously configuration dependent and the C-5A results
are not necessarily representative of other configurations. FIGURE 56. C-5WIMG PROFILE DRAG INCREMENT
DUE TO FLEXIBILITY
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Trim Drag

Finally, consideration is given to the flexibility effect on trim drag. The changes in spanwise load distributions on a
swept wing due to aeroelastic effects, shift the location of the wing center of pressure thus altering the tail load required to
trim the aircraft, For the C=5A, the redistribution of span loading, such as shown in Figure 52, results in a reduced tail load
and slight changes in downwash angle. The changes must be recognized in the trim drag components. Thus

8CH = 8Ch + 8Cy +8(C  tan e)rigid-flex (20)
ran id-flex "trim "tail tail
ret rigid-flex rigid-flex
Below are tabulated a summary of tvpical trim increments 0.0008
due to flexibility: Ll 2
. 0.0006] q = d0LyFTT
M C, q(PSF)  aCpy 2 / L
trim rigid - flex a OEB0as - Y
6943 4764  185.5 .000066 2 0.0002} 'x_\
7488 .4400 247, .000123 ""’T“ g °:\‘ %2 % °T:;‘ G 00 0 078" Uaa e
Ve n
.756 L2131 389, .000338 o oooat \
J747 3498 330, .000226 L
=1, 0004 S
The net flexibility correction, accounting for the
component effects described above is computed to be FIGURE 57. SPANWISE VARIATION OF C-5A WING
0.00071 in AC at M =0.700, CL = 0.45, PROFILE DRAG DUE TO FLEXIBILITY

rigid-flex

(d) Lift, Mach Number and Reynolds Number Effects - Before proceeding into the actual correlation, a brief summary
is given of the method of treating the flight test results for the effects of three major variables, CL’ Mach number and Reynolds

number, Preliminary studies during the post-flight analyses of the flight test data indicated that drag creep on the C-5A was
essentially zero up to about M = 0,75, Thus it was felt that any scale effect in the data would become apparent by plotting
the low speed data versus CL2 as in Figure 58. The data were grouped by Reynolds Number and a different symbol used for

each grouping so that mean lines could be faired through each set. A comparison of the incremental scale effect taken from
this figure ond that of a pre~flight test estimate, is shown in Figure 59. The estimated scale effect was based on combining
the Karman=Schoenherr skin friction law with form factors derived by the supervelocity method, Agreement between the
flight and predicted scale effect are satisfactory especially in view of the fact that these flight results are uncorrected for
flexibility. It was therefore assumed that the flight data exhibited scale effects, and that normalization of all the data to

a common Reynolds Number of 55 x 10° /MAC would pemmit a more reasor ible assessment of the CL and Mach Number effects.

Each flight test drag value was corrected for all known factors (c.g. location = .30 MAC, instrumentation drag, flexi-

bility and Reynolds number = 55 x lOé/MAC). Plots of CD and CL versus Mach number were made for each flight. A cross

plot of these data was then constructed and is presented in Figure 60. The result shown in Figure 60 is a matrix of drag polars
for various Mach numbers representing an initial attempt to find the CL Mach number relationship for the C-5A flight data.

An iterative technique was then employed to arrive at the final best fit to the data. This was facilitated by a computer pro-
gram devised to accept an input drag polar matrix and correct each flight test point to its nearest nominal CL and Mach

number. Additional points were also created to assist in the fairing of drag curves by correcting the flight test points to the
nearest CL and Mach number above and below the nominal value. From the output of this program a new matrix of drag

polars could be developed and compared with the input polars. When the deviation between the two were sufficiently small



to be insignificant, the process was complete, The final

set of drag polars thus determined is presented in Figure 61.

A distinction is made between the primery points, or those
which are nearest to the nominal Much numbers, and the
secondary points which were crea‘ed to fill in gaps and
ossist with curve fitting,
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4.4 Correlation Rasults

Results from correlation studies of predicted drag from
wind tunnel tests, and flight test data, are now presented for
the C~5A configuration. Figure 62 compares drag polars at
M = 0,700 at a Reynolds number of 55 x lOé/MAC. The flight
data, transferred from Figure 61 represent the equivalent rigid
aircraft condition. The wind tunnel test data are corrected by
the methods described in Section 4.2, Two methods of scaling
the model data are used to correlate with the flight results,

In Section 3.4, it is shown that the difference in Reynolds
number correction from use of Method I{c), and the revised
method based on calculated wing profile drag from viscous
theory, was 5 aircraft drag counts, Section 4.2.5 indicates
a target level of 7 counts for the aircraft roughness drag, and
an actual est:mated value of 9 counts attained during the final
development phase. This number represents 6.8% of the total
configuration profile drag.
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Figure 62 indicates very close agreement between the
predicted drag polars and flight test data. The correlation of
airframe profile drag CD is of more interest, and is shown in

P
Figure 63, The flight test data are again for the equivalent
rigjd aircraft, and nomalized to o Reynolds number of 55 x
10°/MAC. All the flight data points shown are from the
Mach number range 0.65 < M < 0,725, Agreement of
CD is within 1% for Method I(c) and 3% for Method II.

PMIN
The magnitude of predicted CL for minimum CD appears to
P
be slightly higher than the flight test value, but the discrep-
ancy is only 0.025 in CL'

The variation of profile drag with CL is generally in
close agreement over the CL range from 0,20 to cruise values
in the region of 0,45. The discrepancies at higher CL's must

be viewed as accumulated errors in either flight test datq,
where the high CL range exhibits greater scatter, or further

unknown errors in the wind tunnel data such as support inter-
ference inaccuracies, transition fixing, or tunnel flow and
interference errors. The agreement in values of CD

PMIN
and CD is, nevertheless, considered to be substantially
P
Sl
better than many previously published wind tunnel-flight
correlations.

Figures 64, 65, and 66 are presented in order to
examine Reynolds number effects and the overall accuracy
of the flight data. Two of the figures present total flight test

drag (64, 65) and one the profile drag comparisons (Figure 66).

The rationale for presenting alternative sets of data in this
analysis is to find what, if any, differences are introduced
by the flexible corrections. The methodology employed to
generate and present the flight data in all figures is the same.
Initially, having determined the CL - Mach number variation

in the flight data, it is possible to normalize all the flight
test points to one common CL and M condition. In this

instance no assumption is made regarding Reynolds number
effects and the drag values thus obtained are plotted against
Reynolds number. For comparisons of total CD, the data

have been normalized to CL =0,46 at M = 0,7 and for the

profile drag case, the data are normalized to the minimum
profile drag level at M = 0.7, High Mach number test
points have been included in order to show as many points
as possible. Where the test Mach number is greater than
the drag rise Mach number, the symbols are solid. Test
points having values of CL> 0.53 have been eliminated for

these figures, since separation effects at high CL's tend to

produce excessive scatter in flight measured drag.
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FIGURE 63. CORRELATION OF C-5A PREDICTED
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.

As can be seen by comparing Figures 64 and 65, the flexibility corrections tend to reduce the amount of scatter in the
flight data, and have no apparent effect on observable Reynolds number trends. The scale effect noticeable in the total drag
is also apparent in the minimum profile drag of Figure 6. For comparison, a curve representing the estimated variation of
minimum profile drag with Reynolds number is superimposed on Figure 66,

The method chosen for the estimated scale effect is Method I(c) of Section 3.4, By resorting to either Method Il or il
a slightly larger scale correction would apply. Statistical analyses of the data of Figure 66 show that the scatter in the flight
data averages ACD = 10.00045, which represents only +3.5% of the total flight profile drag or about +2.0% of cruise drag.
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The trends of profile drag with Reynolds number, shown ALL FLIGHT TEST DATA NORMALIZED TO M = 0.7
in Figure 66, indicate that the variation of this component up CG = 0,3 MAC
to values of R = 100 x 10° /MAC are in close agreement with ;
d R > Id ber eff based h i hod SIMBOL A1
estimated Reynolds number effects based on theoretical methods
© FLIGHT TEST DATA FOR MTEST < MDRAG RISE

available. [t would appear therefore that the overall skin
friction of the aircraft is representative of smooth turbulent
:?un.dury layer conditions, and that tl.ne eff?cfi:/e surface 0.018 T EED e PSS THTTEOR
istributed roughness drag of the configuration is always D,
less than estimated for "critical” roughness based on MIN
Nikuradse's experiments, Information given in Section
4.2,5 confirms that with the strict monitoring process on
tolerances during the development stage, together with the
benefits of paint sprayed surfaces distributed roughness drag o o L o0
is not encountered and the results confirm the absence of a o 0.002p » o ¥ ®
"terminal" value of skin friction drag.
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rigure 67 compares the C-5A drag-rise characteristics -6
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from prediction based on wind tunnel data, and flight test,

Flight characteristics for both the flexible and rigid aircraft

aregshown indicating a small difference in dra ?’ise due to FIGURE 66. CORRELATION OF C-5 EQUIVALENT RIGID FLIGHT

b 9' ot (T el i fgd ] TEST PROFILE DRAG WITH THE RIGID ESTIMATE
exibility. e correiation ot the rigid aircratt drag rise BASED ON WIND TUNNEL DATA

Mach number, based on the definition dCD/dM = .05, in-
dicates agreement within AMD = ,001 between the predicted

and flight test characteristics. In the low Mach number range, 0.008

0.70 < M < 0,77, howevear, a favorable reduction in the drag CL = 0.45
creep characteristics at full scale conditions is noted. This 010

|sffbe||evedhto l3e due fln pucni't to odfovoraile Rey:o(:dsfn;m.ber . FLIGHT TEST EQUIVALENT RIGID

etfect on the viscous torm drag, due to the method ot tixing 8, FLIGHT TEST FLEXIBLE

transition in the wind tunnel, as indicated in Section 3.2, 0.004
Other contributions to this discrepancy must be attributed
to the complex problems of simulating high Reynolds number
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flows in mixed flow conditions, as outlined in Section 3.2. 0.0021
0 o
5. CORRELATION OF C-141A PREDICTED AND FLIGHT 0.7 0.72 0.74 0,76 0,78 0,80 0.82
TEST DRAG MACH NUMBER

In this section some preliminary results from the C-141A FIGURE 67, C-5A DRAG RISE COMPARISON

drag correlation program are presented. Under the sponsorship

of NASA, Langley, this study included retesting of a C-141A

model to obtain wind tunnel data as complete and reliable as possible, This work is not yet complete and therefore, only
preliminary results are presented here. The C-141A flight data shown here are taken from Reference (60) where an analysis,

similar to that described for the C-5A, was reported,

Two sets of estimates based on wind tunnel tests are included in this correlation; one set is taken from pre-flight wind &
tunnel results, and the other from a recent high speed test at the NASA Lanyley 8 foot facility (1). Again, scale corrections ﬁ-‘
are considered using Method Il of scaling profile drag, to show a range of estimates. No correction for full scale rough- 43
ness drag has been applied. Figure 68 shows the C-141A profile drag variation with lift coefficient from flight test compared o




with the wind tunnel based estimates. The flight dotobpomrs
have been normalized to M = 0.7 and R =32.5 x 10°/MAC.

Excellent correlation is shown with the Langley dota except
at the higher lift coefficients. The deviation at high CL may

not be os large as shown here in v'ew of the fact that only o
few flight points are available in the high CL region and the

fairing of the flight test mean I'ne may be questionable. The
earlier set of wind tunnel estimated data was based on model
testing with transition fixed by a wide band (0.4 inches) of
densely distributed carborundum particles., This technique
was used extensively in the past and there is all likelihood
that transition was overfixed, resulting in excess pressure
drag due to overthickening of the boundary layer. Appar-
ently this is the case since the | ft dependent profile drag
from this test differs significan ly from both the flight results
and the Langley data. Also, a significant roughness drag
correction due to .e franti 1on strip was applied to the
data. n the case of the Langley test, the C-141A model
trons-tion fixing t-chnique was intended to prevent these
problems, and fo lowed that developed for the C~5A,

It 1s shown that the CL for minimum profile drag and

the value of mi .imum profile drag are essenti |ly the same

for the light test data and for the prediction based on the
Langley wind unnel data. The scale correction used to
extrapolate the wind tunnel data to full scale was based c
on Method Il  Use of a smaller scale correction from

Method H{c) would cause a deviation in CD of about
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5 drag counts, and the predicted levels would be higher by
5 drag counts.

Figure 69 shows a scale effect co rel .tion of the C-141A
minimum profile drag. The fligh test resu ts (60) have been
normal zed to the lift coefficien for min mum profile drag at
M = 0.7 in order to examine Reynolds nu :ber effects. The
mean curve through the data and the acc acy bands placed
on the figure are from Referen e (60), where a statistical
analysis of the flight test data was repor ed. The mean line
does not represent any of the five scaling techniques as was
the case for the C-5A data, rather it is . statistical best fit
of the data. However, the : ariation o CD with RN based

P
on Method 1| is presented on the figure as a comparison. The
agreement between the two is within 1 5 drag counts over the
flight range of RN which s only about 1% of profile drag.

In Referenc. ' considerot’on wis g ven to the accuracy
of the } + nta by assess’'ng t-e overall cccuracy of
the mea . «d the correc* ons made to the flight
data, ¢ 2> amining the fligh' test scatter. It was

estima*ed the. .".) overall inaccu:acv of the flight data
should be no large: than ACD =~ +0 00074 or +3.3 percent

of drag at cruise, Statistical analyses showed that the
scatter in the flight data averaged :-3.- percent of cruise
drag, which agrees w'th the estimate e y closely,

6. AERODYNAMIC SMOQTHNESS

The chart shown in Figure 70 presents the familiar
correlation of aircraft effective skin friction drag for sub-
critical flight test conditions. The data points shown are all

D
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for large subsonic aircraft, including commerciol jets, military cargo turboprop and jet transports, and bomber aircraft. The
majority of the data for jet transports lies close to an effective skin friction line of Cf = 0.0030. Three turboprop cargo air-

craft with rear loading capability ond, consequently, upswept afterbodies exhibit values of Cf in the 0,0050 to 0.0060 range.

Data for the C-5A indicate a relatively high degree of aerodynamic cleanliness giving Cf =0.0027. This is confirmed by

the trends of the individual flight test data points with Reynolds number presented in the previous section.



It appears that effective skin friction for subsonic transports can be reduced to levels approaching Cf = 0.,0025 and

possibly lower if meticulous care is taken in detailed aerodynamic design during the development stage.

7. CONCLUSIONS

This survey has presented some of the main features and problems of subsonic drag estimation from an industry point
of view. In particular, experience gained on the development of large multi-engined transport aircraft has been outlined.
with details of preliminary estimation methods, wind tunnel testing techniques, and the degree of correlation obtained
between predictions based on wind tunnel data and flight test data,

Some of the principal conclusions to be noted are:

1.

Semi-empirical methods of estimating wing profile diag are generally inadequate at the project design stage of

a new aircraft, and should be supplemented when possible by viscous flow solutions using potential and boundary
layer theories. Use of the "flat plate x shape factor" approach can give inaccuracies for two reasons, (a) +10%
scatter in test data upon which several semi-empirical formulae are based, and (b) inadequate definition of the
true shape factor accounting for the exact degree of form drag at minimum drag conditions, and at angle of
attack. In this respect, correlation of estimated shape factor is rendered difficult due to use of empirical formulae
based on mixed laminar=turbulent flow measurements, and results in discrepancies of 10 - 15% depending on the
type of airfoil camber and loading design. A requirement exists for research on skin friction beyond about 300 x
10° based on component length, where very little test data has been obtained to substantiate Schoenherr's mean
line extrapolation. This is of particular importance with regard to prediction of transport fuselage drag, where
length Reynolds numbers of up to 600 x 105 are considered.

The viscous flow solution, using potential flow and boundary layer theories, has proved to be a valuable tool in

both predicting airfoil profile drag and interpreting test data. Minimum profile drag, ¢ d , is shown to be
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predicted to within 2% from detailed correlation studies of test data. Although limited to subcritical attached
flow conditions, reasonable agreement is shown for the lift-dependent profile drag up to moderate values of R

for a wide range of airfoil designs, ranging from "conventional" to highly loaded peaky and aft cambered designs.
Procedures for computing profile drag in the presence of unsymmetrical or separated boundary layers and in super-
critical flows remain to be developed, Prediction of drag-rise Mach number for conventional airfoils is satisfactory,
using established criteria; for airfoils with both upper and lower surface "critical " boundaries, suitable pressure
distribution shape criteria to supplement the standard methods are essential.

Further research is required on component interference, particularly wing-fuselage. Although adequate methods
are available for prediction of individual wing and fuselage drag for most conventional transport designs, no
satisfactory methods exist for estimating three-dimensional interference in viscous flows, and heavy emphasis is
still given to ad=hoc wind tunnel testing at low Reynolds number, supplemented by potential flow methods and
empirical "guidance" techniques,

Considerable effort has been made recently, and will continue, on improving the confidence level of wind
tunnel data for use in predicting full scale drag. This approach has not always proven fruitful in the past, very
often due to inadequate quality of model testing techniques, and erroneous interpretation of test data. Very
detailed and systematic tests are required to ensure that good data is obtained and that the full limitations of
low Reynolds number testing are appreciated. A method of fixing transition for the subsonic region has been
demonstrated, but no completely satisfactory method exists for predicting full scale drag-rise characteristics

in mixed fiows. Evaluation of the type of wing shock-boundary layer and treiling edge flow characteristic

is required before a reasonable interpretation can be made of the likely scale effects on drag-rise Mac!.
number,

Detailed correlation studies of the C~5A cruise drag have been made, usirg predictions based on wind tunnel
data and flight test results. These data are presented with emphasis on the wind tunnel corrections necessary

for a valid correlation, and the accuracy of the flight-measured thrust levels. Confidence in the powerplant
thrust measurements was demonstrated through the excellent agreement of test results from different test facilities
and ihe flight-test confirmation of consistency for thrust and airflow calculations. Statistical analysis of the
flight data indicated a scatter of +3.5% of profile drag. It is shown that predicted subcritical minimum profile
drag agrees within 1 = 3% with rigid airframe flight test data. The variation of profile drag with CL is also in

good agreement, This degree of correlation confirms that use of low Reynolds number test data, carefully
measured, and use of standard scaling methods are adequate for the purposes of predicting full scale drag.
Agreement of drag=rise Mach number, based on the definition dCD/dM =,05 is within 0,001 in MD' The

most notable difference in wind tunnel and flight drag-rise is in the nature of the subcritical drag creep,
which is assured to be due to a favorable scale effect associated with the method of fixing transition in the
wind tunnel.
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4. Experience on two large transport aircraft, the C-141A ond the C-5A, demonstrates that a strict monitoring
procedure to minimize manufacturing surface “"roughness” results in full scale profile drag representative of
smooth turbulent flow over Reynolds ni mber ranges up to 100 x lOé/MAC. This suggests that the effective
surface distributed roughness drag is le s than that predicted for a "critical” roughness based on the Nikuradse
sand grain criterion. The correlation « f predicted profile drag, based on wind tunnel tests, with flight data,
confirms that the methods in use for estir. ating this increment are reasonably accurate for this aircraft con-

figuration.
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AERODYNAMIC DRAG AND LIFT OF GENERAL BODY SHAPES
AT SUBSONIC, TRANSONIC AND SUPERSONIC MACH NUMBERS * él,'l

by

Frankie G, Moore **
Naval Weapons Laboratory
Dahlgren, Virginia
USA

SUMMARY

Several theoretical and empirical methods are combined into a single computer program to predict drag,
lift, and center of pressure on bodies of revolution at subsonic, transonic, and supersonic Mach numbers
and for angles of attack to twenty degrees, The body geometries can be quite general in that pointed,
spherically blunt, or truncated noses are allowed as well as discontinuities along the nose. Particular
emphasis is placed on methods which yield accuracies of ninety percent or better for most configurations
but yet are computationally fast. To handle the blunt nosed configurations, a new procedure has been
employed: that of combining modified Newtonian theory with perturbation theory.

Theoretical and experimental results are presented for several projectiles and the comparisons meet
the general accuracy requirements above, The combined perturbation - Newtonian theory gave pressures
which compared better with experiment than any existing approximate technique in the lower supersonic
speed regime,

LIST OF SYMBOLS x,1,8 cylindrical coordinates with x along axis of
symmetry and in calibers and 6=0° in leeward
Ca total axial force coefficient plane
CAf axial force coefficient contribution from X,y,z rectangular coordinates with x along axis of
skin friction symmetry and in calibers
CAw axial force coefficient contribution from Xcp center of pressure in calibers from nose
expansion and shock waves unless otherwise specified
CDO zero lift drag coefficient; CDO = Cp xp disFance to centroid of planform area in
calibers from nose
Cq crossflow drag coefficient
G o angle of attack
Cf, mean skin friction coefficient based on
free-stream Reynolds number B8 angle between tangent to body surface and
axis of symmetry
Cy pitching moment coefficient about nose
unless otherwise specified (positive nose-up) Y ratio of specific heats (y = 1.4)
CN normal force coefficient s migle between a tangent to the body surface
and freestream direction
Cp pressure coefficient; Cp=(P-Pw)/(l/meVw2)
&* angle which the nose makes with the shoulder
dg base diameter (calibers) of the body (degrees)
2 body length (calibers) n natio of drag coefficient of a circular
cylinder of finite length to that of a cir-
M Mach number cular cylinder of infinite length
Py Prandtl number 8. cone half angle
R body radius (calibers) p density
Ry  Reynolds number - (pVL)/u SubSenipte
Sw wetted surface area of body ® freestream conditions
Sp planform area of body g afterbody
Ty wall temperature B boattail
u,v,w velocity components in cylindrical S bise
coordinate system
n ose
v total velocity - V= /u? + y? 2 .
y AV T reference conditions (reference length is the

Vol volume of body afterbody diameter = d;)

¥ "Research partially sponsored by Naval Ordnance Systems Command under ORDTASK 35A-501/090-1/UF 32-323-56

** Research Scientist in Ballistics Division of the Surface Warfare Department
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1. INTRODUCTION

There are many methods available in any particular Mach number region to compute drag and 1lift on
various body shapes. These methods range in complexity from exact numerical to semi-empirical and the
body shapes vary from simple pointed cones to complex multi-stage launch vehicles., However, attempts at
combining the various methods above into an accurate and computationally fast computer program have been
scarce. Saffell, et al! developed a method for predicting static aerodynamic characteristics for typical
missile configurations with emphasis placed on large angles of attack. However, the drag was computed by
handbook techniques? and slender body theory was used for the 1ift and pitching moment. As a result, poor
accuracy for body alone aerodynamics was obtained using this method.

Another method which computes drag and 1lift throughout the Mach number range is the GE "Spinner" pro-
gram® designed specifically for projectiles. This program, which is based on empirical correlations as a
function of nose length, boattail length, and overall length, gives very good accuracy for most standard
shaped projectiles. However, its use as a design tool is somewhat limited in that the drag of a given
length nose is the same no matter what ogive is present or if there are discontinuities present along the
nose. The same statement applies to the boattail since a conical boattail of from 5° to 9° is assumed no
matter what the boattail shape is. Moreover, no pressures can be computed by the GE program and no
attempt has been made to include nonlinear angle « © attack effects.

It is apparent then, from the above discussion, that there is a definite need for an analytical method
which can take into account nose bluntness and ogive shape, discontinuities along the body surface, as
well as nonlinear angle of attack effects. The theory should be accurate enough to replace preliminary
and intermediate wind-tunnel testing but yet should be computationally fast enough so it can be used as an
efficient design tool.

The method presented herein for accomplishing
the above task relies heavily on analytical work and
to a lesser degree on empirical data. As such, it . ¥ T~ COMICAL. OR OGNAL BOATTAL O FLARE
is believed to be the first such program with major 1{,5 X
emphasis on analytical as opposed to empirical pro-
cedures. Some of the methods had to be modified to
handle the general geometries of interest and this
will be discussed later.

The body shapes considered assume the nose may
be pointed, truncated, or have a spherical cap.
There may also be two ogives present with a dis-
continuity in shape between the two. The afterbody
consists of a cylinder followed by a boattail or
flare as shown in Figure 1.

2, ANALYSIS

2.1 Wave Drag

Wave drag results from the expansion and compression of the air as it flows over the body surface.
Compression of the air is seen in the form of shock waves which first occur around Mach number 0.7 to 0.9
depending on the body shape. The methods used to calculate this form of drag differ significantly in
transonic and supersonic flow and thus will be discussed individually below.

2.1.1 Supersonic Flow

There are several methods available for calculating the supersonic pressure distribution but only two
hold promise of meeting our requirements on speed of computation and accuracy as set forth in the intro-
duction. These methods are the second order perturbation theory of Van Dyke“’%'® and the second order
shock expansion theory’ modified for blunt bodies in reference 8. Since the major interest of the present
work is in the lower supersonic speed regime, the perturbation approach is chosen because it is more
accurate than shock expansion theory at these Mach numbers. If the nose is pointed with slope less than
the freestream Mach lines, then the perturbation theory is sufficient to calculate the entire pressure
distribution. Since the above references 4, 5, and 6 give a detailed discussion of the perturbation
thecry, it will not be repeated here. If the nose is blunt, the perturbation theory is combined with
modified Newtonian theory as discussed below.

The modified Newtonian pressure coefficient is

~ - .2 .

Cp = Cp°s1n s (1
where the stagnation pressure coefficient behind a normal shock is

Cp, -ﬂ%’[crn ) 7T [2Y Y+l ]TIT _1] @

M- (y-D)

According to reference 9, if the nose is truncated then the pressure on the truncated portion is only
about ninety percent of the stignation value given by eq. (2) so that for a truncated nose:

1
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On the other hand, if the nose has a spherical cap it can be shown that: gﬁ :3

8 = sin ~! [sinB cosa - cosB cosf sina] (4)
where tan B = dr/dx. Then combining eqs. (1) and (4) one obtains for a spherical nose cap:

Cp (x,0) = Cpo [sin%B cos?c - sin2a sin B cos B cos O + cos?B cos?6 sin’a] (5)
where Cpo is given by eq. (2).

Assuming that the pressure coefficient over that portion of the body where the local slope is small
can be calculated by perturbation theory, the only question that now remains so far as the supersonic Mach
number region is concerned is where does the modified Newtonian theory end on the surface and where does
the perturbation theory begin. To determine this match point, recall that the slope of the body surface
must be less than the Mach angle to apply perturbation theory, that is § < sin”! (1/My). Thus, the upper
limit of the perturbation theory is

6 = sin™! (1/M) (6)

Using this relation in eq. (4) and assuming a spherical nose cap there is obtained for the coordinates of
the point below which Newtonian theory must be applied:

I'n/Mo [V Mi -1 cos o + sin aj 7

Ty

Xy =Ty tan @ + 1y [1 - 1/(M, cos o)}

The limiting angle of eq. (6) corresponding to
the coordinates of eq. (7) is shown in Figure 2 as
the upper curve. Note that very large cone half
angles can be computed using the perturbation
theory at the lower Mach numbers. However, as
shown by Van Dyke" the loss in accuracy of pertur-
bation theory increases rapidly as the angle & is
increased. Realistically, since at an angle of
25° - 30° the error is still slight the maximum
angle § for which perturbation theory is applied
should not exceed these values. Based on these
accuracy considerations, the Newtonian theory
should be applied for § values outside the solid
line boundary of Figure 2 and perturbation theory
within the boundary. Now the match point, which
for the present work will be defined as the point
where the pressure coefficients of the Newtonian
theory and the perturbation theory are equal, can
be determined as the solution proceeds downstream.
For body stations downstream of the match point,

It is important to note here that if x > x, Newtonian theory may still be applied but if x < x, perturba-
perturbation pressures are used in the force
coefficient calculations whereas for x values

tion theory cannot be applied.
e SN (1 )
LT T T T
NEWTOMUAN oY
along the surface less than that at the match

point, Newtonian pressures must be used. 10 15 20 28 m i
MACH NUMBER- My
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2.1.2 Transonic Flow
FIGURE 2 BOUNDARIES OF PERTURBATION AND

If the flow is transonic, the available NEWTONIAN THEORY
theories for the wave drag calculations are limited.
Here the main limitations are in body shape
because there does not appear to be a theoretical
method available which can handle the blunted nose
or the discontinuities along the body surface. Wu and Aoyoma'!’;!! have developed a method which handles
tangent-ogive-cylinder-boattail configurations at zero angle of attack but no general nose geometries can
be used as is the case in supersonic flow. Thus the upproach of the present paper will be to calculate
the wave drag for tangent ogive noses of various lengths throughout the transonic Mach number range and
to estimate the wave drag of the more complicated nose geometry based on these results. It is true that
the accuracy here is not consistent with that of the supersonic work;but it appears from the results (as
will be discussed later) that this approach is justified, at least for noses with slight blunting
(rp/Tp £ 0.3).

Figure 3 gives the axial force coefficient for tangent ogive noses as a function of nose length and
Mach number as computed by the nonlinear-linear stretching method of Wu and Aoyoma. For a given nose
length and transonic Mach number, one can obtain the axial force from these curves by interpolation. If
pressure coefficients are desired, the general program of Wu and Aoyoma must be used.

For the boattail wave drag, again the work of Wu and Aoyoma'! is used where the pressure coefficient
along the boattail is given by:

1/2
- 2 -
Cp(X) = -2/5 (x1 - C) [i%’ (x; - C) oo 1-M2 ] - (dR/dx)? (8)

(y+1) My (v+1) M2/? (y+1) M2




—ﬁ/ where x, is measured from the shoulder of the boattail and
2

C?e2s (e M1 _1-M [5- ( ok )
3

7 (M (y+1) M2

s W/3 _ 12
, 2 L% (SdR/dx)/ +( 3dR/dx)
Mot (1) M2\ 2 AFT My, A1

Eq. (8) can be integrated numerically to obtain the boattail wave drag.

2.2 Skin Friction Drag

For large caliber projectiles and missiles, the boundary layer will generally be turbulent over about
ninety percent of the projectile body. Thus, for simplicity, it will be assumed that the entire boundary
layer is turbulent. Further, it will be assumed Prandtl number one and zero pressure gradient so that
the method of Van Driest'2? can be used. According to Van Driest the mean skin friction coefficient can

be obtained from:

_0.242 (sin "' Cp + sin "' Cp) = logyp (RN, Cf,) - (1+2n)/2 logyp (Ty/T) 9
A e M T /T Y2
1/2
where o _ 2% -B__ c,- B R [(Y-l) M%] ;oo letrn/zMe
(B2 + 4A2)Y/2’ (B2 + 4A%)1/% 2 Ty/Te Ty/Teo

The variable nof eq. (9) is the power in the power viscosity law and is 0.76 for air. Once the mean
skin friction coefficient has been determined from eq. (9), the viscous axial force coefficient is:

Cag = Cf, Sw/Sy (10)

2.3 Base Drag

Much theoretical work has been performed to predict base pressure (references 13 - 17). There is
still no satisfactory theory available, however, and the standard practice has been to use empirical
methods. This is the approach taken here. Figure 4 is a mean curve of experimental data from references
13, 14 and 18 through 24. This data assumes a long cylindrical afterbody with fully developed turbulent
boundary layer ahead of the base. There could be deviations from this curve due to low body fineness
ratio, boattails, angle of attack, Reynolds number and surface temperature. Each of these effects will

be discussed below.
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NACH NUMBER- Mo
FIGURE 3. TRANSONIC WAVE DRAG OF TANGENT OGIVES. FIGURE 4. MEAN BASE PRESSURE CURVE

The minimum length of most projectiles is about four calibers. According to references 18 and 24,
the base pressure at low supersonic Mach numbers is essentially unaffected by changes in body length if
the fineness ratio is greater than four. This is not true at high supersonic and hypersonic Mach numbers
as shown by Love'?, But since the main interest is for M < 3 the effect of overall fineness ratio on 4

base pressure can be neglected.

In addition to the above, Love shows that the nose shape has little effect on base pressure for high
fineness ratio bodies. Thus, for bodies of fineness ratio of four or greater the effect of nose shape

and total length on base pressure can be neglected.

Pt e

The base pressure is significantly altered by the presence of a boattail so that this change must be
accounted for. Probably the most simple method to do this is an empirical equation given by Stoney?®.

(11)

= - dp/d,) °?
Capp™ “Cppa (d8/9r)

T
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Eq. (11) can be used throughout the entire Mach number range where Cpp, is the base pressure given by the

curve of Figure 4, BA

It has been shown in many works!7+25 that the base pressure is essentially independent of Reynolds
number, Ry, if the boundary layer ahead of the base is fully developed turbulent flow. A turbulent boun-
dary layer usually occurs for Ry of 500,000 to 750,000 depending on the roughness of the body surface.
The minimum Ry ahead of the base one would expect to encounter on the present bodies would be about
1,000,000. Moreover, most practical body shapes have various intrusions and protrusions, such as on the
fuze of a projectile, which tends to promote boundary layer separation. In view of these practical con-
siderations, Reynolds number effects on base pressure may safely be neglected (the same arguments also
hold for surface temperature).

The effect of angle of attack on base pressure is to lower the base pressure and hence to increase the
base drag. For bodies without fins, the amount of this decrease is dependent mainly on freestream Mach
number. If a is given in degrees then an empirical relation for the change in base pressure coefficient
due to angle of attack is given by

{ac = -(.012 - .0036M,) o (12)

PBA] o
Eq. (12) was derived from a compilation of experimental data presented in Figures 7 through 15 of refer-
ence 18. The base drag coefficient now becomes, in light of eqs. (11) and (12):

CAgp = - [chA - (.012 - .0036My) ] (dg/dy)? (13)

2.4 Inviscid Lifting Properties

At supersonic Mach numbers the inviscid lift, pitching moment, and center of pressure are calculated
with the hybrid theory of Van Dyke. This method is adequate for small angles of attack where viscous
effects are negligible. At subsonic and transonic Mach numbers the lifting properties are more difficult
to obtain. For subsonic velocities the 1ift could be calculated by perturbation theory?® but since pro-
jectiles rarely fly at Mach numbers less than 0.7, a formulation on this basis was not justified. An
alternative would be slender body theory but the accuracy of this approach is inadequate. In light of
the above reasoning, a semi-empirical method for normal force characteristics was derived based on nose
length, afterbody length, and boattail shape. This method was then extended through the transonic Mach
number range since the state-of-the-art in transonic flow does not allow one to handle the general body
shapes or flow conditions.

The total inviscid normal force acting on the .
body may be written F

Cy./rad
~
Cn,, = (CNa)n + (CN“; + (CNu)B (14) A J

where the subscripts n, a, and B stand for nose, | - *
afterbody, and boattail respectively. The first : (Cuele & TaNE+ €
term of eq. (14) can be approximated by

t

(Cy ) = C) tan &8* + C, (15)
G n

where C; and C, are given in Figure 5 as a function Ci/rad E_'_ d}
of Mach number., This relationship was determined -3 iy®
empirically from the cone results of Owens2’. It
is approximately correct for £, > 1.5, cone blunt-
ness up to 0.5, and M, < 1.2. Here the angle 8* in -2t P

eq. (15) is the angle which the nose makes with T

the shoulder of the afterbody. © EXPERIMENT (REF. 31)

The normal force coefficients of the afterbody
and boattail can be obtained from Figures 6 and 7
respectively. Figure 6 was derived analytically 0
in the transonic Mach range from the method of Wu
and Aoyoma'! and in subsonic flow from the experi-
mental data of Spring®® and Gwin?®., 1In the work of
Spring and Gwin above, the normal force of the nose
plus afterbody was given but the nose component can
be subtracted off by the use of eq. (15). The
boattail normal force coefficient was given by Washington®®, but he stated that there was not enough data
available in subsonic and transonic flow. Hence the data of Washington was supplemented by the 175mm
Army projectile®! and Improved 5"/54 Navy projectile®? data to derive the general curve of Figure 7.

— A —l L
028 0.50 ors 100 128
MACH NUMBER - M,

FIGURE 5 CONSTANTS TO DETERMINE kCN¢). FOR Mo 1.2

Although slender body theory may not be adequate for predicting the normal force coefficient, it ap-
pears to predict the center of pressure of the nose and boattail 1ift components at subsonic speeds
reasonably well. According to slender body theory the center of pressure of the nose is:

(Xcp)p = &n - (ol)p (16)
m R%
and of the boattail:

(xcp)g = %n * %5 + % - (Vol)p (17)
T Ry
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The center of pressure of the afterbody normal force
was calculated analytically by the method of Wu and -
Aoyoma in transonic flow and assumed to have the
same value in subsonic flow. Figure 8 is a plot of oy
(xcp) a/%, versus afterbody length measured at the ls ("vk"n*[‘x“v‘-]‘-
point where the afterbody begins. Now knowing the
individual 1lift components and their center of sl
pressure locations, one can compute the pitching
moment about the nose as:
2F
CMU s - [(CNa)n (ch)n + (CNd)a (ch)a
A
+ (CNG)B (xcp)B] (18)
g I S S B B S
2.5 Viscous Lifting Properties 4

FIGURE 8 CENTER OF PRESSURE OF AFTERBODY LIFT FOR Mgg < 1.2
Strictly speaking, the previous discussion on

inviscid lifting properties gave Cy and Cy_ at a

= 0 only. If a > 0, there is a non®linear —contri-

bution to lift and hence pitching moment due to the

viscous crossflow of velocity V = Vo sin a. Allen and Perkins?? list these contributions as:

<y =7 Cdc SP/Sr a? (19)

vis

(Cwyss =N Ca_ Sp/Sr %p a? (20)

vis
where n and Cq_are given in Figure 9. Note that the crossflow drag coefficient is here taken to be a
function of Mafh number only and the crossflow Reynolds.number dependence is not accounted for. The
center of pressure of the entire configuration should then be:

Xp= - CM + (CM)vis
CN R (Cvais
2,6 Summary
Figure lv gives a summary of the various methods used in each particular Mach nunber region to com- '

pute static aerodynamics. As may be seen, major emphasis has been placed on analytical as opposed to
empirical procedures.

3. RESULTS AND DISCUSSION

3.1 Numerical Techniques

I

A computer program was written in Fortran IV for the CDC 6700 computer to solve the various equations
discussed in the analysis section by numerical means. The various methods used for each individual force
or moment component are the same as thosediscussed in the references and will not be repeated here. How-
ever, mention should be made of the fact that the step size used in the hybrid theory of Van Dyke was con-
siderably smaller than he suggested, particularly for a blunt nosed body or behind a discontinuity. For
example, for the most complicated body shapes as many as 200 points were placed along the body surface.
Also slight oscillations in the second order solution were found behind a corner although Van Dyke does
not mention these details.

Quite often, it was necessary to evaluate an integral numerically or to compute the value of a func-
tion and its derivativas at a given point. The integration was carried out using Simpson's rule; the
interpolation and differentiation using a five point Lagrange scheme, Both methods have truncation
errors which are consistent with the accuracy of the governing snt of flow field equations.
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The computational times depend on how complicated the body shapes are and the particular Mach number
of interest. The longest computational time for the most general body shape computed was less than half
a minute for one Mach number. For most configurations the average time is about fifteen seconds per Mach
number for M, > 1.2 and about five seconds per Mach number for M, < 1.2. This assumes of course that a
table look-up procedure is used in the transonic region where the curves of Figure 3 are input as data
sets as opposed to solving the nonlinear partial differential equation of transonic flow. If the aero-
dynamic coefficients of a given configuration are desired throughout the entire Mach number range, an
average execution time of two minutes is required for most configurations (ten Mach numbers).

A detailed discussion of the computer program, along with a listing, is given in a report of the
present work as reference 34.

3.2 Comparison with Experiment

The only new method presented in the current work is the combined perturbation - Newtonian theory for
blunt bodies. It is thus of interest to see how the pressure coefficients along the surface compare with
experimental data. Figure 11 presents a typical comparison at M, = 1.5. The experimental data is taken
from reference 8 which combined modified Newtonian theory with shock expansion theory to compute forces
on blunted cones. The asymptotes of the pressure coefficient in each of the planes computed by the
method of reference 8 are also indicated on the figures. As seen in the figure, the present theory
predicts the aerodynamics much better than shock expansion theory at M, = 1.5. For the very same blunted
cone at M, = 2.96 (not shcwn) the present method gave values for the pressure and force coefficients
which were about the same as those of shock expansion theory. The reason for this is that the basic
perturbation theory was derived assuming shock free flow with entropy changes slight; hence the theory
should be most accurate in the lower supersonic speed regime, On the other hand, shock expansion theory
was derived assuming a shock present and so one would expect this method to be better than perturbation
theory as M, is increased. Apparently, the crossover point is around M, = 2.5 to 3.0 so that for the
major portion of the supersonic speed range of interest in the present analysis, perturbation theory is

more accurate.

Another interesting point in Figure 11 is the

discontinuity in slope of the pressure coefficient "

curve which occurs at the match point. This is 00 Exmmm TeEo
because in the expansion region on the spherical ¢ W= S W e
nose the perturbation pressure decreases much more so- . —_——

rapidly than the Newtonian theory and, as a result,
the overexpansion region, which occurs at low super-
sonic Mach numbers, is accounted for quite well.
Note that the match point is different in each
plane around the surface (x = 0.11 to 0.14).

One of the questions which arises in the
development of a general prediction method pertains
to accuracy. To answer this question, force coef-
ficients for several cases were computed embracing
variaticns in nose bluntness, Mach number, angle of
E attack, and afterbody length. These cases are
presented in Figures 12 through 15 along with FOAE 1 1 COMMAISON OF THEORY AND EXPERMENT FOR BLLNTED CONE;
experimental data. Ll L i

—— . A e e
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The first of these cases (Figure 12) gives the axial force coefficient, normal force coefficient,
derivative, and pitching moment coefficient derivative as a function of nose bluntness for a simple
blunted cone configuration. Note that the axial force coefficient includes only the wave plus skin fric-
tion components because the base drag was subtracted out of the given set of experimental data. An
important point here is that very good accuracy is obtained, even for large bluntness ratios. For
example, with bluntness ry/rg = 0.6, the force coefficients are in error by less than fifteen percent.
This tends to verify that a combined perturbation - Newtonian theory can be used successfully for blunt
configurations even at low supersonic Mach numbers.

The next figure, Figure 13, compares the theoretical static aerodynamic coefficients with experiment
as a function of Mach number for a blunted cone with bluntness ratio of 0.2. Also included in Figure 13
is the slender body theory. As seen by the error comparisons at the lower part of the figure, accuracies
of better than ten percent can be obtained throughout the supersonic Mach number range for the force
coefficients. :
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The third variable of interest is angle of attack. Figure 14 presents the results for a tangent
ogive cylinder of nose length six calibers and total length fourteen calibers. Two Mach numbers are
considered, M, = 1.5 and M,, = 2.5. Again the results are good, except at very large angles of attack. ﬂ‘

The final variable of interest, afterbody length, is examined in Figure 15. The nose of the body
is a 2.83 caliber tangent ogive. For zero afterbody length, the theory agrees with experiment very well.
However, as the afterbody length increases the theory underestimates the afterbody lift at the lower
supersonic Mach numbers for short afterbody lengths and at the higher Mach numbers for long afterbody
lengths. This loss in 1ift predicted by the inviscid theory was also found by 3uford®S and he attributed
it to boundary layer displacement effects. Even so, the present theory is superior to slender body theory
which gives zero lift due to an afterbody.

To summarize the previous four figures, one could say in general that accuracies of ninety percent or
better can be obtained for force coefficients of most configurations. However, for extreme cases, such
as very large nose bluntness or angle of attack, the accuracy will be decreased and the among of this
decrease can be approximated from Figures 12 through 15,

The theoretical zero lift drag curve of the 5'/38

RAP gamjec;t:ile36 along with three sets of experimental o .

data®? and an NWL empirically derived curve are shown [ d

in Figure 16. Note that the experimental data varies

by about thirty percent for My < 1 and by ten -er- o8

cent for M, > 1. The theoretical curve tends to G, B

support the BRL data subsonically and the NOL and 0

NWC data supersonically. The numbers in parenthesis 8 BRL BALLISTIC RANGE (0906)

are the factors by which the drag curves must be ot NOL_MDLTURNEL \10.50T)
a2t s NWC BALLISTIC RANGE(O.93T)

multiplied throughout the flight of the projectile

— THEORY (0973
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It should therefore be slightly high because of yaw WACH NABIER - My
induced effects. The important point here is that FIGURE 16 ZERO LIFT DRAG CURVE FOR 5738 RAP PROJECTLE

for this particular shell, the theory agrees better
with actual range firings than any of the sets of
experimental data.

Figure 17 gives the static aerodynamic coefficients for the 5'/54 RAP projectile®®. The 1""/54 RAP
has a nose length of about 2.5 calibers and a boattail of 0.5 and is 5.2 calibers in length. As seen,
excellent agreement with experimental data is obtained for the drag coefficient throughout the entire
Mach number range. Fair agreement is obtained for normal force coefficient and hence pitching moment
and center of pressure. The comparison for the lifting properties is Mach number dependent: in the low
supersonic region the theory is$ consistently about ten percent low on normal force whereas at high
supersonic speeds it compares very well with experiment. The reason, as already mentioned, is the
failure of the inviscid theory to predict afterbody lift correctly at low supersonic Mach numbers. At
subsonic and transonic Mach numbers, the theory does about as well as could be expected considering there
was a considerable amount of empirical work in that region.

For boattailed configurations, such as the 5'/54 RAP, it was found necessary to account approximately
for the thick boundary layer on the boattail. This was done by viewing the unpublished shadow graphs
obtained in conjunction with the work of reference 32. Apparently, a maximum boattail angle of six
degrees can be allowed before boundary layer separation takes place. In addition, the boundary layer
displacement thickness accounts for another about 1/4 - 1/2 degree decrease in the effective boattail
angle. These two results were used to determine effective boattail angles on all boattailed configura-
tions. Without this approximate accounting of the boundary layer effect on the boattail shape, the
lifting properties would have been in error by an additional ten percent for boattailed configurations.

Figure 18 presents theoretical results for a more complicated projectile design. The nose is about
sixty percent blunt with two different ogive sections. The overall length is 10.58 calibers with a 0.66
caliber boattail, 7.24 caliber afterbody and 2.68 caliber nose. The only experimental data available for
this extreme case is at M, = 1.6 (unpublished). Excellent predictions are made by the theory at this
Mach number, although it is not expected to be that good in subsonic and transonic flow.

4, CONCLUSIONS

1. A general method has been developed consisting of several theoretical and empirical procedures to
calculate drag, lift and pitching moment on bodies of revolution from Mach number zero to about three
and for angles of attack to about twenty degrees.

2. Comparison of this method with experiment for several configurations indicates that accuracies of
ninety percent or better can be obtained for force coefficients of most configurations. This is at a
cost of about $30.00 for ten Mach numbers in the range 0 < M, < 3.

3. A second order axial perturbation solution can be combined with modified Newtonian theory to adequate
ly predict pressures on general shaped bodies of revolution. This is true for Mach numbers as low as 1.2
even though Newtonian theory was derived for high Mach number flow. I

4. A first order inviscid cross flow solution is not sufficient to predict afterbody or boattail 1lift
at low supersonic Mach numbers. However, when account is made for the boundary layer, markedly improved
results for boattail 1ift was obtained.
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5.

There is still no adequate theory available in transonic flow which is corputationally fast and

accurate and can consider blunt nosed configurations with discontinuities along the ogive. Thus more
research needs to be directed along these lines,
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ON SOME BASIC AND NEW ASPECTS ABOUT THE DRAG PROBLEM OF WINGS AND BODIES IN SUPERSONIC FLOWS
by

Arabindo Das
Dr.-Ing., Head of Thecretical Aerodynamics Dept.
Institut fir Aerodynamik der DFVLR
33 Braunschweig, Flughafen
Germany

SUMMARY

With the objective to determine optimum shapes of slender wings and bodies for minimum total drag in super-
sonic flows a comprehensive theoretical and experimental analysis of the problem has been carried out in
the Institute of Aerodynamics of the DFVLR, Braunschweig. The paper presents some of the results which have
been obtained until now. The theoretical formulae for the various drag components which are necessary for
a variational problem of drag minimization have been reviewed, summarized, partly modified or extended,
and finally compared with experimental values.

Based on the linearized mass flux concept already known in the literature a modified boundary condition
leads to a certain improvement in the results of the linear theory. A simplified treatment of the modified

linear theory is presented.

A unified approach to the problem of minimization of wave drag due to volume and wave drag due to lift
yields very simple analytical results. The optimum body shapes show a certain dependence on Mach number.
For minimization of vortex drag the necessary wing twist yields a remarkable improvement, which could also

be verified by experiment.

While the known friction drag formulae from the literature have been checked with experimental values, the
problem of base drag of axial symmetrical bodies has not been completely solved as yet; theoretical work

on this topic is being continued.

Finally for minimizing the total drag of wings and bodies under some prescribed conditions an optimum
matching of the geometric and aerodynamic parameters has been outlined.




NOTATIONS

Geometric data

b=2s

s(E)

8(8) = s(&)/s

s = b/2
s(&)

S
S = s/12

s
s
s
v
v

0O O W mm =X

= 3
B VO/l
X3 ¥y 2
yc(x)

a

[

L)

6r = boll;do/l

o

E=x/%; n=y/s

T
m = 'm/li

maximum span of a wing

maximum width of a body cross section

profile thickness or body diameter

maximum thickness of a profile or
maximum diameter of a body

wing or body surface

maximum height of a body cross
section i

2 trailing edge thickness parameter
chord length or body length

reference basic length of bodies
with cut off rear part

maximum chord length of a wing
radial distance

radius of a body

maximum radius of a body

local half cross width of a wing

dimensionless half cross width
of a wing

half span width of a wing

local cross section area of a
body or wing

maximum cross section area of a wing
dimensionless cross section area
wing area

friction surface area

base area

volume of a body or wing
dimensionless volume

cartesian coordinates

contour coordinate of a profile

geometrical angle of incidence
angle of incidence at the wing
center line

reference angle of incidence at the
trailing edge of the center line

thickness parameter
angular coordinates

peripheral-parameter of the cross
section of a body

area ratio based on the reference
area of a delta wing

base area parameter

ratio of the axes of an elliptic
cross section

dimensionless coordinates
mean thickness

dimensionless mean thickness

Aerodynamic data

a;a
n’ ‘n

coefficients for fixing source
or doublet-distributions

coefficient for fixing spanwise
distribution of circulation

1ift coefficient of a chordwise
wing-strip

1ift coefficient of a crosswise
wing-strip

L -L/q.sH
¢ = D/q.Sy
ﬁ;= D/q_S
Dy
“pw’ “pw
%Do* Do
1} D1
b L
pi

*

‘o8

°or’ “pr
cD=cDS°/V°
Cf
p
D

£(x)
h{g)

Ko K:

X

zi

a-
m=8 s/l.i
P

q, = % p.Vi
Re_ = V_t/v
T
Ty
u; vy w
v.

(lh

i

B = Vuaz -1

ca(n) 2(n)

<
"

a @2v ¢ X m

e % a

2b

Indices

total lift coefficient

total drag coefficient of a wing
total drag coefficient of a body
fore drag coefficient of a body
total wave drag

wave drag coefficient due to volume
wave drag coefficient due to 1lift
drag coefficient due to lift

induced drag coefficient due to
vortex formation

base drag coefficient of a body
friction drag coefficient

drag coefficient based on volume
friction coefficient

pressure coefficient

aerodynamic drag of wing or body
source strength

doublet strength of a lifting wing
wave drag parameter due to volume
wave drag parameter due to lift

induced, drag parameter
total lift of a wing or body
Mach number

relative slenderness parameter
static pressure

dynamic head of onflow

Reynolds number of onflow
static temperature [°K]

wall temperature [°k)
perturbation velocity components
onflow velocity

local velocity in the perturbation
field
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1. INTRODUCTION

The general gas dynamic equation derived from the conservation equations of a flow field is quite nonlinear -
and as such offers exact solutions in few cases only.

A linearization of this equation is often resorted to, in order to obtain explicit formulae for the aerody-
namic forces on a moving body and of these the explicit drag formula can be used for optimization of body
shapes. Original contributions of various authors to the linearized theory are well known in text books and
in the literature and a few of these have been cited in references [1] to [33] of the present paper.

The linearized theory confined to the domain of small perturbation flow fields possesses some inherent inaccu-
racies due to the linearization itself, and also because of the simplification of the boundary condition by
which the distribution of the singularities are fixed. In many cases the latter causes more error than the
former. A linear theory may be considered as a standard reference whose basic equations possess a unified
order of accuracy with regard to the fulfilment of the conservation theorems.

Besides the problem of pressure drag which can be treated by the potential theory, the problem of friction
drag and base drag is equally important. While theoretical treatment of friction drag can be found in the
contributions [34] to [37] some survey papers on base drag, references [38] to [40], reveal the limited
advancement in this field. Having explicit formulae for pressure and friction drag one can find ocut optimum
shapes of nonlifting and lifting wings and bodies giving minimum total drag.

This topic has been treated in detail in the Institute of Aerodynamics of the DFVLR, Braunschweig, being
based on theoretical and experimental analysis. The results obtained during the last five years have been
reported in references [4l] to [48]. The present paper summarizes a few basic and new aspects which could

be concluded from these results and it will indicate a logical approach to determine body shapes for minimum
total drag with the body shapes depending on the onflow Mach numbers.

The fundamental physical considerations for aerodynamic optimization are outlined in [u49], while some general
mathematical methods on this subject are presented in [50].

2. A MODIFIED TREATMENT OF THE LINEAR THEORY

A supersonic flow field under small perturbations is described in the literatur: by the following set of
equations:

Perturbation potential field

szxx =Py "W =0 [el(Mawm,x)] =0 (2.1)

Boundary condition

¥.gradF=0 (2.2a)
or usually V - grad F = 0 [52(Maw, 8, a)] o (2.2b)
Pressure coefficient
PP
= o= - - g2 p2 2 2
& g [2¢ -8 px+¢y+pz]. (2.3)
2 "o o

The boundary condition, Eq (2.2a) being essentially a kinematic relation is formally correct but does not
uniquely define the mass flux relation, which in the usual linear theory may deviate from its exact value.
The boundary condition is usually further simplified as indicated in Eq (2.2b) inducing more error.
However the criterion of mass flux can be introduced into the boundary condition satisfying at the same
time the required kinematic relation. The linearized mass flux criterion first introduced by G.N. WARD [7]
is uniformly valid in a small-perturbation flow field yielding for the continuity condition the same
degree of accuracy as the linearized potential equation itself.

2.1 The linearized mass flux criterion

The mass flux pV in a compressible flow field can be obtained by expanding the density p as a Taylor
series in powers of the pressure change dp. From [7] it follows for the perturbation mass flux

oV = oy, | [1+vp -V T -opra2 s (2.4)
with Vp = iy ¢ j¢y + k¢,
Using the linearized expression for the local sound velocity

a?s al- (x-1)VZg (2.5)
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Eq (2.4) The linearized mass flux ratio can Le directly expressed as: \;3 _ ll
gas '
-> x-1 =»
£ [\ a v [ 2 £ (2.6)
o= = [= s — = (1(1-Bé@) + jp, t k@ ]+ ... .
Ip”V’ [a_} v, X y z]

The dimensionless mass flux § satisfies the following expression
~ =y 2 - - 'y
divd=-[82y Pyy ~ P2z ] = 0le a2 00] - (2.7)

So, instead of Eq (2.2a) one can introduce the following boundary condition for the body surface:
G.grad F =0 (2.8)

With Eq (2.8) the physical condition of zero mass flow through the surface will be satisfied with the same
order of accuracy as with the linearized Eq (2.1) itself. This problem was analyzed further in detail in
our group [42] leading to some modified formulae for the flow field. In the following a simple and concise
treatment of the modified linear theory will be presented, the approach differing essentially from [u2],
in which somewhat lengthy and involved mathematical methods were resorted to.

2.2 Two-dimensional flow

For a two-dimensional flow the set of equations describing the flow field are:

2 o -
B Pox Pyy = 0 (2.9)
with @ as the normalzed perturbation potential, where the total potential of the flow field is given by
$=V_ (x+9p) (2.10)
The boundary condition, Eq (2.8), yields
o‘gradl‘:ci-dyc-o].'dxc=0 . (2.11)

The physical significance of this expression is depicted in Fig. 1. Eq (2.11) with Eq (2.6) yields

- g2 - =
(1-8 gpx)dyc Py dx, =0 . (2.12)

The solution of the potential equation, Eq (2.9), for two-dimensional flow is well known:

(2.13)

Fl(x-By) for y» 0
P (x,y) ={

F2(x+8y) for y <O

Inserting the expression for y » O in the boundary condition, Eq (2.12), one gets for the upper surface:
dyc

—= = 82 Fi(x -B )&- Fi(x -8y ) (2.14)
dx 1Y%c7PYe) ax BF)(x, Byc ‘ 2t

The right hand side of this equation represents a total differential of the expression for Yo denoted by

Fo(x-By ) = F.(x™) = - 28 (x.) + C
1(x7By) = Fy(x) = T ix (2.15)

where for pointed bodies with yc(o) = 0 the constant C disappears. Eq (2.14) yields further

yl
] o _pleoty — c
Fi(x -8y ) = Fy(x") = ey T-8y7) (x.) (2.16)

with ks dy_/dx. From Eq (2.13) and Eq (2.16) it follows for the upper region (y > 0) of the perturbation
flow fiéld using the correlation between x and x, over x* and B8

yl
1 [ 3
P (x,y) = F(x-8y) = F (x") = - 'a'(lf_sygf (x*,8) (2.17a)
- ¢ - LIPER TN ytl: +
Py(x,y) =-8 Fl(x-ﬁy) = -8 Fl(x ) = - W (x",B). (2.17b)
The pressure coefficient in a two-dimensional flow field is given by
2
eplxp) = - JOI) 2 - gy (2.180)
and hence 2y'

upper signs for y > 0
{ (2.18b)

= c «
cp(x.y) : ¢ F(l:_syp' (x" ,B)

With Byé << 1 Eq (2.18b) is identical with the Ackeret solution [1]. A comparison of the results according
to Eq (2.18b) and after the Ackeret solution has been carried out for a profile in [43] as shown in Fig. 2.

lower signs for y < 0
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2.3 Axially symmetric flow

For axially symmetric supersonic flow fields the equation of perturbation potential has the form

2, - S 2.19
B8 Wi "5 P FO (2.19)
and the modified boundary condition introduced is
g -grad F=z0 (2.20)
The solution of Eq (2.19) is already known, namely
1 ey f(x ) dx,
Pl = - 3 f (2.21)
o |/(x-x )2--82|:~2
with
#(x,r) = V_ (x+p) (2.22)
as the total potential of the flow field. The boundary condition, Eq (2.20), yields
G- grad F = 21R o; dR - 29R § dx = 0 (2.23a)
as illustrated in Fig. 1. From Eq (2.6) this takes the form
a- asz) ®R-p dx =0 (2.23b)
?,
or R (x) = = ° ; 5 (2.24)
1-8°p,

The expression for and derived from Eq (2.21) and inserted into Eq (2.24) gives
?y ¥,

2x-BlR(x) £ (xR’ (x)dx, x-BR(x) £ () (x-x, )dx;

RR' (x) = - 85 f + L / . (2.25)
] ]/ 7 2.2, .« " 7 9.2
o (x-x)-BR() o (x-)-BR()

The right hand side represents a total differential of the expression for R'z(x) denoted by

2 x-BR(x)
Rg x) = [ £(x) Ve 2-8%R%00 ax, . (2.26)
(]

This expression connects the body geometry with the source distribution £(x). For BR(x) << 1, Eq (2.26)
reduces to the usual relation of the slender body theory, namely

s(x) = le(x) z / £(x,) dx; (2.27a)
o

s’ (x) . (2.27b)

or £(x)

For axially symmetric flow the Eq (2.3) is to be used for static pressure distribution, which gives with
x = x - fr

x' , e 2 o
¢ (x,r) = 3 / Fo) & + _52 /' £ (x))dn ! /- £ (x))(x-x,)dx,
P 2 2.2
° (x-x12-52p2 Mt (x=x,) 2% rrile Y (x-x, )2-8%r% ()

(2.28)
If the linear source distribution f(x) is known, Eq (2.28) represents an explicit expression for the
pressure distribution

Some pressure distributions on cones and axially symmetric parabolic body based on Eq(2.26)and Eq (2.28)
have been calculated and compared in [42] as demonstrated in Figs. 3 and 4 showing improvments in the

results. ;
g.«
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3, AERODYNAMIC DRAG OF WINGS AND BODIES IN SUPERSONIC FLOWS

Knowing the perturbation potential in the flow field one can calculate the pressure drag on the body either
by applying momentum theorem on a control surface surrounding the body or by integrating the pressure compo-
nents acting in the axial direction of the body. In case of two-dimensional profiles or nonlifting bodies
vhere vortex drag is absent both methods yield the same results giving explicit expressions for the wave drag.
In case of lifting bodies the method of momentum integral on a control surface is to be chosen to separate
the wave drag from the vortex drag. In the following the expressions for wave drag of nonlifting and lift-
ing wings and bodies are summarized, the basic expressions being already known from the literature.

3.1 Wave drag of wings and bodies

Two~dimensional profiles

Integrating the pressure components in the x-direction one cbtains for the wave drag:

ay Ay
=1 o —
oW =1 f {Cpu ™ Cpt Tx }dx . (3.1)
o

Using Eq (2.18) for cp-values one gets

‘2

2
y Yy,
I I R S T
°ow * 1 ]{ T8y, + Ty } dx g (3.2)
o

This drag formula contains the factor (1-By’) in the denominator and as such deviates a little from the
conventional formula. If one retains only the second order terms the wave drag due to volume and due to
1lift can be separated in the usual way giving for y"l L= a(x) ¢ yé:

’

[

L
oW = Spo t Cp1 :—l f { yé2(x) L) } dx (3.3)
[+

Three-dimensional nonlifting bodies and wings

The wave drag of axially symmetric nonlifting bodies can be obtained from the perturbation potential of the
source field. The expression for the wave drag due to linear source distribution £(£) has been derived in
(2], [6] and [12] yielding for a body with finite base area

Z

Where H 0(1) depends on the shape of the base area

1

D 2
5 £(6) £(¢)) mlg-g, | agag, + £ [ £ tali-g)| o, SJEDL 4 (1) @
o

N =
]

O\.H

ot

Ho(l) 0 for pointed and cylindrical bases,

- (3.5)
Ho(l) = tn 2 - tn BR(1) for circular bases of boat-tail bodies

For elliptical bases the expression for H (1) is given in [17] and [u1].

The above expression for wave drag can also be used as a first approximation for slender bodies and wings
of general cross-sections provided that the evaluation of Ho(l) is carried out after the method given by
M.J. LIGHTHILL [12].

For slender wings one gets

& T oo (]
Ho(l) = k-2n (G"—i-) (3.6)

The k-values depending on the distribution of surface slopes at the .railing edge are given in [12] and [41].

Lifting wings of zero thickness

The perturbation potential due to a wing with 1ift can be calculated using source, vortex or doublet distri-
butions. The three singularity distributions are interrelated through their dependence on the perturbation
potential:

Source strength q(x) = 2 la’n(—)‘)

Doublet strength h(x) = A%’Q_ (3.7
Vortex strength  X(x) = 2 3h(x)

x



A linear theory for moderately slender wings with lift has been developed by ADAMS and SEARS [16] using _
doublet distributions on the wing plane. The expression for the wave drag due to 1ift comes out as in [ul]: 3 7

11 1
D; : "—2‘2’—2-[- 5[] @ty mleg lacge, + T2 [ ancepanir-gylag, o ol - Hw],
98 al:1 oo o (3.8)
where
RACE 230205, 8B (3.9)
denotes the lift-loading on a crosswise strip of local span width 2s(g) and
2
H(1) = 2 4n2 +§: (n+1){l—)-2—g:—1]+ 3-m % . (3.10)

n=1

The bns originate from the type of 1ift distribution along the span of the wing expressed by

N
b
v(n) = a3 2L g (2ne1) F (3.11)
1

n=o

with n = y/s = cos? and a.r as a reference incidence angle of the wing center line at the trailing edge.

Finally the connection between o'(f) and the doublet strength h(£) is given by the relations in Eq (3.7)
yielding:

T |
ACP(E'n) =4 li 3( (E)n) (3-12)
where h = h/V o5 denotes the dimensionless doublet strength and the local n-values on a crosswise strip is
given by n = y/s(E). It follows from Eq (3.9) and Eq (3.12):
+1
@@ =u [ 3 gm - an . (3.13)
-1

The wave drag formula, Eq (3.8), due to 1lift of wings is completely analogous to the wave drag formula,
Eq (3.4), due to volume if one puts

£(g) = o' (£)
B (1) = H,(1) .

3.2 Vortex drag of wings and bodies

The vortex drag of wings with 1lift can either be calculated from the strength of the bound vortices and
the induced downwash from the free vortices or from the momentum or energy contents in the induced field
at the Trefftz-plane. For lifting wings this yields:

4141 y(n)

D an
---j'—2 = -% —n_n 1 dnl dn (3.14)
9.0 -1 -1 >
where the circulation about a local chord is denoted by
e (n)t(n)
v(n) = e o (3.15)

With y(n) given by the expression in Eq (3.11) one gets for the vortex drag:

D s b, . 2
i 2 2n+1
—= = a2 b2 {1 + 2 () () } (3.16)
. = 1
Since e B
- L
o(1) =27 b = (3.17)
1 % s/t
Eq (3.16) takes the form as derived in [41]
b1 | Jen)? : bone1y?
i ol FRID) (2ne)(—5222) | . (3.18)
W8 n=1 1
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3.3 Friction drag of slender bodies and wings

For a given flight condition normally the Mach number and the Reynolds number of the onflow are prescribed.
If the Reynolds number of the flow is high and the laminar region at the nose is quite small, one can
approximately assume that the boundary layer is turbulent on the whole length of the body or wing.

Based on the method of L. PRANDTL and H. SCHLICHTING [34] various approaches have been developed, f3s)
till [37], to calculate compressible turbulent boundary layers.

The skin friction of a flat plate in fully compressible turbulent boundary layer has been derived in {35]
and [36] giving
-2.58

Re
o = g-‘/‘gf’ [10 — (3.19)
W'e (TH/T-) *
where for an adiabatic surface
TH 3 X-1 2
t =14+ 'I/ Pr o Ha. 0 (3.20)
With 2 Pr = 0.89 one gets
T,
"F! =1 +0.178 Ma’ : (3.21)
-

Friction drag of wings

The friction drag of a flat plate of delta-like shape can be based on the average Reynolds number ﬁ. = V_lm/v
with L. = 11/2. For turbulent boundary layers Eq (3.19) yields:

Re -2.58

0.91 I

) ) , 3.22

o ® 2 (140.178 Ma2) =L , 2.8 (3.22)
d (140.178 Ma_)

Friction drag of bodies

The turbulent friction drag of a slender body with general cross-section shape is given by the approximate
formula

PR— F @ — —
Sr So 5 = ¢ Sg (3.23)

with E; = cf(l + 8___/2) to account for the velocity increase on the surface due to thickness effect,
and where c, is caldulated from Eq (3.19) based on the Reynolds number Re_ = V_2/v. The dimensionless
fricticn surface ia being denoted by S = sf/zz.

For general hody shapes with elliptizal or circular cross-sections one gets

D 1
-—% z f cg U(e) de (3.24)
9.t o

where the periphery of the cross-section S(£) can be expressed as U(£) = U(E)/L, with
uee) = Vas(er [1.5(/3; + %) - 1] = Y. (3.25)
A
()

vhere 8. denotes the bracketed term,and Ao z h /b (< 1) is the ratio of the axes of the elliptical
croos-ugt:lon. with Cg s an average value®of the Priction coeffic’ent over the body length, one gets

i
2

1
D =
r2 =% B LA /(%_L’ & . (3.26)
Q2 S BVo

The dimensionless volume \70 being prescribed.

<,
-

3.4 Base drag of bodies

The base drag of three-dimensional bodies has to be evaluated from experimental data since a complete
theoretical treatment of the base flow behind bodies is still lacking. Systematic base pressure measurements
have been performed by a number of investigations yielding correlation curves of the base drag depending on




Mach number and Reynolds number. In [33] to [40] many of these results are reviewed, and a large number )
of references are cited. Theoretical work in this field is still being continued by various research 3 17
groups. - /
The results of the foregoing analysis on pressure drag and friction drag have been compared with experi-
mental values for a large number of slender wings and bodies giving acceptable agreement. A few of the

results are shown in Figs 5 to 8. The condition of small perturbation is the most important criterion that
must be satisfied to assure the validity of the pressure drag formulae. Having now the explicit formulae

for the drag components these can be utilized to minimize the drag components and also the total drag

under prescribed conditions.

4. WING AND BODY SHAPES FOR MINIMUM PRESSURE DRAG

In order to determine body shapes for minimum wave drag certain prescribed auxiliary conditions must be
satisfied.

For nonlifting bodies and wings these include some of the parameters like volume, length, maximum cross-
section, base area etc. at a given flight condition. For lifting wings the auxiliary conditions consist
in prescribing the total 1lift and the center of pressure at a given flight condition.

The minimization of the wave drag can be carried out by applying variational methods as was done in [19],
[20) and [21]. In both cases under consideration one has to deal with isoperimetric problems. A complete
general treatment of such problems has been given in [41]. An outline of the treatment is given in the
following:

4.1 Minimization of wave drag due to volume of wings and bodies

Based on the expression for wave drag given in Eq (3.4) one has the following set of variational problem:

D
—5 = [£(0), £'eg), £, € g ] >+ min. . (4.1)
q.t
Auxiliary conditions (prescribed)
For BR(E) << 1 1
Base area: [ £(£) af = $(1) (4.2)
o
1
Volume: / £ £(6) dg = 5(1) - ¥ (4.3)
o
This isoperimetric problem can be described by a single expression as follows
1 1
Do
Jo [£(5)] = { 2 + 11 [€ « f(E) dE + X2 f £(€) dE} -+ min. o (4.4)
.t o
o

where D, is to be expressed by Eq (3.%), and 11 and X2 denote the usual Lagrange multiplier.

The application of variational methods to this problem yields, as shown in [41], the following Euler equation

1
1 ] 2
= / £(¢,) ln|£-£1| dg, - f—f}) tn|1-g| + A -g-’ LE+C =0 . (4.5) t

]

If the end conditions f(0) and f£(1) are fixed through the prescribed conditions the Euler equation yields
the solution of the extremal problea.
Expressing the source diestribution in a series form
N
£(V) = a°1’f Z a sin nt
nsl

(4.6)

where £ = (1-cos¥)/2, the Euler equation (4.5) will be satisfied, provided N does not exceed the value
N = 2, The coefficients a n will be obtained from the auxiliary conditions. T

Knowing the source distribution the equivalent body shape can be cbtained from Eq (2.26) giving '~
¥ ¥

= 1 3 " Frias

5 =3 [ £ [icons-coah-ugz2h) ok (8.7) };:

° A

# "
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with - ]

£ = £-8RE) = !._(2:_08_‘!,_ . (4.8)
From Eq (4.6) it follows

£(9) = a +a; cost] + 2a, cos2?) c (%.9)

The general expression for optimum body shape having minimum wave drag due to volume is

l" 1.7‘
_ a — a .
S = 2—° f w::ostrl-cost’)z-uﬂzkz(i") d:’i + -2i f cosv?]‘_ ( cosi’l-cost’)z-ussz(i") dt’i
Y :”‘ (4.10)
a, 1 1]
+ -,2,-2- j 2cos21,i w:osv%'_-cosﬁ)",-wzkz('l") dt9i
o 9

As a special case of very slender bodies with BR(¥) << 1, Eq (4.10) yields

a a a
59) = 2 (sindscosd) , L (y- 8in2?y 2 (. sindthy (#.11)

One can easily recognize that the second term in this expression is identical with the von Karman-ogive
and the third term with the Sears-Haack body. The first term appears in order to match arbitrarily given
base areas to a given volume. Eq (4,11) yields:

P (2e7)
_ 3a a a
i, (T )

S(1)

(4.12)

Prescribing the base area through the relation _§(1) 2x*V_ where V_ is a given dimensionless volume
and introducing a further auxiliary condition, S'"(1) = 0, to provide ungqueness of the problem assuring at
the same time finite surface curvature at the trailing edge it follows for the unknown coefficients a

of a boat-tail body

7
3 * :_o (ext_ 53,_2')
v Q (4.13)
. _O /64 _ »
LHLES (5 X
\
. 0 (48 _ oo
a2 =R (5 8 )
Von Karman-ogive:
- . 8V,
s(1) = 0 a =0, a, == a, =0 (4.14)
Sears-Haack body: _
- 16V
s1) =0 ; a = 0, a= 0 ; a, == (4.15)
For flat wings with x*= 0 it follows
a
§(1) = . z-Lo_848G . _ 9.6 =
S(1) =0 H .O = 7 = Y VO H a2 H TVO 0 (4.16)

Some optimum shapes of nonlifting bodies according to Eq (4.10) to Eq (4.16) are presented in Figs.9 and 10
showing slight dependences of the body shapes on the onflow Mach number. The use of source expressions in
the auxiliary conditions Eq (4.2) and Eq (4.3) gives rise to small errors which can be compensated by
correcting for the daviation in volume or base area. In contrast to the Sears-Haack bodies these bodies

possess sharp noses,

4.2 Minimization of wave drag due to lift of wings

The expression for wave drag due to 1ift given in Eq (3.8) togethexr with the auxiliary conditions leads to
the following variational problem.

Dy

g8’

s rl[o'(t). u'(El)' o'(l),E' Cl] hd min. (4.17)




Auxiliary conditions (prescribed) j / /

1
[+ S i
Total 1ift jo' (&) ag = —2 = [‘2" (4.18) {
g 98 s
7 G = gy
center of pressure: f £ o (k) dE = & —5 (4.19)
5 s
Thus the variational problem takes the form
1 1
D
a, [o'®)] ={q-;2 + fc o' @ag+r, [o'@ e} + min (4.20)
o o

where D. is to be taken from Eq (3.8) and A, and /'l2 denote Lagrange multipliers. The formulation of
this variational problem due to 1ift is surpriSingly analogous to that of the thickness problem.

The Euler Equation of the variational problem takes therefore the same form as in Eq (4.5) of the thickness
problem, yielding

1

. 2

1 jo“(tl) i |e-g| ag, - 2 :1) tn 1€l 2 2+ aeec 20 . (4.21)
[+

If the end condition 6'(0) and 6'(1) are fixed, the Euler equation (4.21) alone will yield the optimum
loading 6'(£) on crosswise strips of the wing.

Setting
N

6) = a e 3 3 sin ntt . (4.22)
n=l

EqQ (4.21) will be satisfied if N is limited to N = 2. The an-values are obtained from the prescribed
auxiliary conditions. It follows:

a  a c, X
) 1y _ "L
'(2_’7')' s/,
- - - . (4.23)
Sa c, X
o M1 ®2y_ - L
'(F’e_'ﬁ) ® & W7T;
and hence o &
=5 s 2 L -1
&% s/r.i % Q)
- ch'K e
e {1 -3 W)} (4.24)
¢ X
= _:._ L - ar ~t
R {w- 08 + 3 (D)}

As optimum 1ift distribution along E-direction one gets:

for 0'(1) =0 (Gothic, Ogee)

o' (€) [ sin®+ 2(1-2)) sin2] (4.25)

]
v 8/

=3

for o'(1) =41 (Delta)
a'(g) = 2% [#' 9+ 2 {1-3" (1)) sint+ {u-8E, + §'(1)] sin2e?] (4.26)
= 'aq [ { s sinV' ¢+ ED +8 sin . .

These optimum distribution are illustrated for & = 0.6 in Fig. 11 for two wing planforms.
Integrating o' (£) over { yilelds the optimum geometric parameter o(f) where according to slender wing
theory [41] the following dependence exists:

o(§) = 2vb, -F2(E) a,(E) (v.27)
v a(e) = a;(&) + a (€) (4.28) 3
where ;1(5) and ;‘h( g) denote flow deflections at the ceater line of the wing caused by the free vortex

system and the bound vortex system respectively. Now knowing the wing planform s(g) it is easy to deter-
mine the required wing camber a({) for optimum 1ift distribution. The distribution of o(f) is
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illustrated in Fig. 12 for two values of the parameter o’(1) or '(1). The distribution of a(E,n) in
the spanwise direction will be determined from the wing twist necessary to suppress the vortex drag.

4.3 Minimization of vortex drag due to the lift of wings

For 1lifting wings with finite span the forwmation of vortex sheets in the downstrean flow is unavoidable

and it is wellknown that an elliptic distribution of 1ift loading over the span makes the induced drag a
minimum. For slender flat wings it is difficult to obtain this optimum distribution without wing twist as
concentrated vortices are likely to form at the leading edges contributing to increased vortex drag. So

for minimizing the vortex drag of slender wings the formulation of the variational problem looks as follows:

For the vortex drag as in Eq (3.18) to be a minimum it is required that
N b 2
- Janel
x={1+Z () ( B, )} + =i (.29)
n=l

To prevent concentrated vortex shedding at the leading edges the local velocity there must be tangential
to the surface, requiring:

Acp (nh=+1)=0 (4.30)
N
? -
with be (E,m) = u.—’la—z {3(:) a,(&) ) b, .. sin (2n41) '}] (4.31)
nso

For slender wings this is equivalent to setting [u1]:

N
b
Ez 1+ ()22 oo (4.32)
1
n=1

These two requirements must be simultaneously fulfilled at a prescribed flight condition and leads to the
following variational problem as has been shown in [33)

)
iy (K, + AE) = 0 (4.33)
al’2m1 i

with A as Lagrange multiplier. The solution of Eq (4.33) comes out as

b2n+1 -

= - ) with
bl Zufa)hl—ﬂ

N=z3 . (4.34)

The Eq (4.34) fixes the wing twist for a given incidence angle a, at the trailing edge preventing the
formation of concentrated vortices at the leading edges. The pressure and lift distribution over the span

of a delta wing for different N-values are shown in Fig. 13. For N + oo the pressure distribution approaches
that of a flat plate. For N = 7 the lift distribution on the span is almost elliptic and the pressure peaks
are not high, 8o that the adverse pressure gradients for the wing boundary layer in this region are kept
within limits.

S. AERODYNAMIC DRAG OF WINGS AND BODIES WITH OPTIMUM SHAPES

The aerodynamic shapes or load distributions for minimum drag being fixed it is now easy to determine the
drag values of wings and bodies from Eq (3.4) and Eq (3.8).

5.1 Minimum wave drag due to volume of wings and .dies

The weve drag of wings and bodies due to volume is given by:

D

¥ 2 w 2
t7e,tva 8T8 a,tsa H(l)} . (4.35)

o _[__. .2 x 2
-[Inln2+a o o He

q.l.2 (] % "1
From this it follows for the wave drag coefficients in supersonic flow regime:
von Karman ogive o
* = 16 =2
po S° L Vo (4.36)

Sears-Haack bod

L 128 52
s° 3 —'—- Vo (“-37)

sheeesneafiih ande 2ol




Boat-tail bodies with circular base

3 8, = ¥2 [(8.17%*%-21,28%" +16,67) - 3 tn (2 8% _x") [ 10,19%"2-16,30x"s5,52} ] (4.38)

C

b
Flat bodies (wings)

= _ 128 =2 128 -2 SR %.39
%o w* % Yo% Oor; %o * % Xo ™m L, ( )
. - — 8s b
with K, = 1-0.16 (2tn2+43-k+tn 1 and T =V /St . (4.40)

Comparison of the theoretical and experimental drag values of some optimum shaped bodies and wings at zero
lift are shown in rig. 1% and Fig. 1S.

5.2 Minimum wave drag due to lift of wings

The wave drag of wings due to 1ift is given by the expression

-2 =2 2
D 2.2 a a a
1 _Bscx)_=2 i S R To
% 3{ a2+ =+5-+a a -a ats Hl(l)} (4.41)
q.8 "i
which according to [¥1] can be written as
°D1=';—t°2 °§’“" KT ’ (4.42)
i
whare Kl is determined from the Eq (4.41) after inserting the a -values.

5.3 Minimum vortex drag of wings

The vortex drag of twisted wings preventing the shedding of concentrated rolled up vortices is obtained
from the Eq (3.18) where the bn-valuu are taken from Eq (4.3u4). It follows:

24

c

--l—x L (4.43)
®pi ¥ uw 1 7L .

with K; as given in Eq (4.29).

For N + 00 Eq (4.29) together with Eq (4.34) yields Kl = 1, and hence the vortex drag coefficient for a
plane delta wing reduces to:

L
& =g (4.u4)

which is identical with the induced drag due to elliptic load distribution over the wing span. The twist
increases the vortex drag a little above the theoretical minimum value for an elliptic distribution but
keeps it quite below that of a flat delta wing with rolled up vortices at the leading edges. This fact is
demonstrated by comparing the induced drag values of twisted and flac wings as shown in Fig. 16.

6. OPTIMUM COMBINATION OF AERODYNAMIC AND GEOMETRIC PARAMETERS OF WINGS AND BODIES FOR MINIMUM TOTAL DRAG.

It is outside the scope of this paper to treat this problem in detail, however, an outline of the method
will be indisated for the treatment of nonlifting and 1lifting wings and bodies in order to ocbtain minimum
total drag or highest lift/drag ratios for lifting wings.

6.1 Optimum slenderness ratio of bodies and wings with given volume in supersonic flows

The total drag of a slender body or of a wing without lift can be expressed by summing up all the drag
components. This ylelds

General body: DzD,+Dp+Dy (4.45)
Expressed in terms of drag coofﬂ.cicntlzono gets:
\)
» . 128 % o = g
ep Sy = 5 K, ™ teg g I YV YT + cppes(l) (4.46)

1
L _a1/2
with I, = N f {S(E)/Vo} df  known from the distribution of the cross-section arsa §(€)/\7°.
o

Yo
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Flat body (wing) D =D, +Dp (4.47)
2
v
_ 128 ) - 2 ; /%
or CD Sw = =7 Ko F + 2 t:f " sli - (4.48)
i

for a given volume V° and friction coefficient Ef the total drag depends on the length L of the
body or wing.

Problem statement for nonlifting slender bodies:

Prescribed To be determined

Mach number Ma_ -+ 8 optimum length "opt

Reynolds number Re_  +c¢ £ optimum slenderness ratio t/d 5
Volume Vo minimum drag Dmin

Base area S(1)
Volume distribution S(E)
Cross section shape -+ BS

6.2 Optimum 1ift coefficient and optimum slenderness ratio of wings with given total lift in supersonic flows

The total drag of a lifting wing can be written as:

D=D°+D 4—Di+Df 5 (4.49)

1

Expressed again in terms of drag coefficients this yields:

(c,S.)) (e, S,) B¢
128 2oy .8 a8 1 .os . I S W DF
e Sy = T KX T t; B, ' KX8 i (e)Sy) - Bey + 45 KX s 5. fe; & Be, (e;Sy)  (4.50)
N

with Bs/l.i and BcL as the two variable parameters, whose optimum are sought.

Problein statement for lifting wings with thickness:

Prescribed To be determined

Mach number Ma_ + 8 optimum lift coeffi:ient (BCL)opt
Reynolds number Re_ =+ cg optimum slenderness ratio (leli)opt
Lift L or (CLSH) optimum wing aref (sw)opt

Lift dlstribunon“ o (E)opt optimum camber u(E)opt

Planform s(f) + X optimum twist tl(E.r\)opt

Mean thickness ;m maximum lift/drag ratio (L/D)max
Volume distribution S(E)opt-’ Ky

Wing twist parameter N + s

The optimum values of the parameters looked for -an be easily obtained by differentiating the drag expressions
in Eq (4.46) and (4.48) with respect to the parameter L for nonlifting bodies, and the drag expression in
Eq (4.50) with respect to <, and s/li for 1ifting wings and equating the results to zero.

Some results of such optimizations are demonstrated in Figs. 17 and 18 showing quite acceptable results. The
optimum slenderness ratios nf nonlifting boat-tail bodies for minimum fore drag at various Mach numbers and
different friction coefficients are displayed in Fig. 17. For lifting wings Fig. 18 shows the optimum com-
binations of lift coefficient and slenderness ratios at given mean thicknesses t  and given friction coeffi-
cients Cge Experimental verification of these results is illustraced in Figs. 19 and 20.

7. CONCLUSION

The theoretical and experimental analysis on the drag problem at supersonic speeds described in this paper
shows to what extent the linear theory for small perturbation flow field can be applied to estimate the

wave drag due tc volume of slender wings and bodies at zero lift as well as the induced drag and wave drag
of lifting wings. The linear theory yields acceptable wesults in the domain of its validity. The approximate
expressions for the friction drag can also be well utilized. Applying the theoretical expressions for the
drag components, optimum aerodynamic shapes of wings and bodies for minimum total drag have beencalculated.

Comparison of the theoretical and experimental results, not all of which could be presented here, reveal
that advancements ¢ two basic problems are still lacking - namely a linear theory of the lift problem and
the base drag problem ~f general slender bodies, as well as a non-linear theory of lifting wings and bodies
comprising the effect o accentuated vortex shedding at higher incidences and the effect of compressibility
at higher Mach numbers - ‘he two effects being basically different.
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L |dft=005

~gf ——

=02 [ — — mod.linear thenry [4J]
—==== linear theory [1]

-

shock exp. theery

k. &
\

N,

N

T a,':. 26 06 x/l

Fig. 2: Pressure distribution at Mach number Ma_ =

02 0k

08

2 on the surface of parabolic profiles

of different thickiness from linear and non-linear theories of supersonic flow.

10

S5

,,&
7

TN -':.E}g‘-g&é-f
Pt o
P, :




a =0° — — mod. linear tfl7eoryl[42] Q
c & 50_,' nonlinear theory |
P | e = — — linear theory [2]

I .
0 12 14 16 18 20 22 24 26

-

Ma,, *

Fig. 3: Pressure goefficient on the surface of a circular cone obtained from linear and
non-linear theories of supersonic flow.

406
C.

., o
P 0,06 0.

! | I ! ‘
0° second order theory [ 18]’
007 —— — linear theory [2]

RN — ---— mudified linear theory [42]
=\ I aoun slender bady theory [5]
004 N o  experiment [44]
Q02 "la:J
Y
o TR TR
21 02 03 04 I 0 08 g x 10
=002 - !
l ™ e 0O ©
- 00 Meco N s
O I N _

Fig. u4: Pressure distribution at Mach number Ma_ = 3 on the surface of an axially symmetric
body with parabolic contour according to various theories of supersonic flow.




020

theory [44]

\
[; .| ®® force measurement _
\\\O pressure measurement
A RN

L L
Fig. 5: The drag components of a o t-tail axially symmetric body with a given volume,
length and base area in depende..ce of Mach number.(do/l = 0.086)

Fig. 6: The drag components of a nonlifting plane delta wing from theory and experiment
in dependence of Mach number (s/l.i = 1/3; ?m = 0.02; Re, =1 - 107).

3-19

G s e A



s ¢ exact linear theory

DL |ceom naexperiment MSJE- a
2 [ 1T 1 1T 14
Q25| without suction & S
effect . |

“with suct}'aﬁ

ot effect at L .E.
015 ==t | |

"?""id =
0,10} - o1 —- =
005 [4n 1 EDI' f '

- If -
S ,
02 04 06 08 10 14

Fig. 7: Drag due to 1ift.of plane delta wings in dependence of the relative slenderness
ratio m = Bs/l.i =yMal -1 - zl/l.1 (experiment: ?- = 0.02; s/li = 1/5 to 1/3)

&y = (s/2)) + (ep/ed))

c LEE] expt. fheory[76] i /f
_S__QA Delta o) _ YA )
;¢ 2 |Gothc o —— 7

ql?s Ogee A : % 1 | |
linear theory

/ (plane delta-

: 1 ~— wing)

— warped wings

LS

Fig. 8: Drag due to lift of warped wings showing the reduction of vortex drag by
suppressing the shedding of rolled up vortices at the leading edges.
(experiment: T = 0.02; s/t = 1/4)




T

ol e Mays=1
r— ears-riaac (o) -
S(¥) Y| Smax | Mg -2

1.3 W It
Vo . |" =t | AN Sl

Bt T T NN (e =07

0,7 02 03 04 05 06 07 0,8 ? 10

Fig. 9: Deviations in the contour geometry of the Sears-Haack body and of the Karman ogive
of given volume and length determined for minimum wave drag at higher Mach numbers.

2:4F ] : : |

S(#) - S(#) . S(&) | |

0 | |[~f% T | e i Pl il

W™ — =
ang . ] | . -‘:‘:“Ml I

| N
N

e | |

04 — | /,// Ma_=2 > Euattai!-Bady\

| ——Ma, = |
| | JMaml - | ‘ ‘ i \
0! Q2 03 04 05 06 07 08 ? 10

Fig. 10: Optimum volume distribution of a boat-tail body of given volume, length and base
area and of a slender wing with unswept trailing edge and given volume and length
for minimum wave drag in supersonic flow.

23 l

i
!




SIS e

3-22

P

[

oz

01

02 03 O

05 06

Fig. 11: Optimum lift-load distribution for minimum wave drag of thin slender wings
for prescribed total 1ift and center of pressure in supersonic flow.

07 48 g

10

—

—

”"o::i

sy |

s

f]—"—{

5'M = \%/

|
alt) %—-LL..
arl

S

5it)=

S z//

17

1

(_)é—"'

a1 02

—

o

03 04

Fig. 12: Optimum distribution of the geometric parameter, 9(£) ~ s2(E) - 8(E) of
slender wings for prescribed total 1ift and center of pressure.

85 06 07 08 gf 10

3
s RN SRR



' 345)“*“”~HH

06 [

Lo (M)

Ty
T~

=

[ il —— ——

— ‘\‘
==

J—— —_—T“__--ﬂ"‘

a1

1

92 03 0k

45 06

(] 1}

Fig. 13: Spanwise pressure and lift-distribution of wings having different modes of
twisting (N-values) to suppress vortex drag.

\\%ﬁ
0
9 %Lt%

“ry

g2+ o

| 5

theory [41]
experiment [49]

® ® A oyperiment [45]

Ma,

-

S
] |

01

92 03 04

05 46

a7 08 L, ¢ 10
P

Fig., 14: Minimum wave drag due to volume of slender wings with unswept trailing edge
in dependence of the relative slenderness ratio.

LR, ST

EL



Dol sh Al ST

e

304 008

™

v/ or=0° -H—P‘E%;/
807 | 4=qgg§ o0 I —

P
006 s
S-H body L T ——t———
05 |-(1/1y=083) v

., 4
003 b

002 —'I I bqa. %

N .
Kdrmdn ogtve

10 15 20 25 30 35

Fig. 15: Minimum wave drag due to volume of axially symmetric bodies with optimum shapes
for given volume, length and base area in supersonic flow.

warped wings
| l

012—= \ 1
\ expt. N=7

~_

008 . »

flat wings/

004 with attached flow -

S 1]

2 4 6 8 10 12

Fig. 16: Comparison of vortex drag coefficients of plane and twisted wings, showing the drag
reduction due to surpression of rolled up vortices (Delta @ ; Ogee & ; Gothic @ ).




Il = =p1-0*7F
b 5(1)=2x"V,
0|, 0

x*=02

| 0k
/8

g

O

g0k 008 Q012 016 020 QX ﬂfgfq_ 032

Fig. 17: The optimum slenderness ratio of bodies with given volume, cross-section shape
and base area in dependence of skin friction coefficient at given Mach numbers.

M\

g1 02 03 Q4

45 0,6( i) 08
{ opt

Fig. 18: Optimum matching of lift coefficients and slenderness ratios of wings in dependence
of prescribed mean thickness T  and skin friction couefficient Ty for given

total 1lift at supersonic Mach numbers.




e
Res 3107 a=0°

%y<\ \ _________..___‘_,-—-""'""...-f" Hﬂn; Z
020 T T
.-"'#f

d

5 W 5 2 25 01d W

Fxg 19: Calculated and experimental values of drag coefflcients for axially symmetric bodies
of given volume and dimensionless base area ( X*= 0.6) in dependence of the slenderness
ratio at different supersonic Mach numbers.

11 v r i — T | ]
cambered and |

(— | twisted wings |
Olmax| |

-<}
D i
- <=2

7 o
plane wings

6l IS i

t <

10 15 20 25 30 35 40

Fig. 20: Comparison of maximum lift/drag ratios of plane wings with those of cambered and twisted
wings optimized for the relative slenderness ratio Bs/l = 0.4 (Ma_ ~1.88)
(T, = 0.02; Re_ =1 - 107). g

e T 25 2




-y

MEASUREMENTS OF THY DRAG OF SOME CHARACTERISTIC AIRCRAFT
EXCRESCENCES IMMERSED IN TURBULENT BOUNDARY LAYERS

by 4 — {
L. Gaudet

K.G. Winter
Royal Aircraft Establishment, Bedford

SUMMARY
[

Measurerents are described of the drag of various forms of excrescence mounted on balances installed
in the walls of the working section of the RAE 8ft x 8ft Wind Tumnel. The tests cover a range of Mach
numbers between 0,2 and 2.8 (but not transonic) and a range of Reynolds number.

The excrescences tested include two-dimensional steps and ridges, circular cylinders and vings mounted
narmal to the surface, and holes and fairings. It is shown, for excrescences which are of height smll
compared with the boundary-layer thickness, that the scale efflects on drag are well carrelated in terms of
the wall variables of the turbulent boundary layer, but that there is a dependence of idrag on Mach number,
For steps anl ridges the effect of chamfering or rounding the uppe: corners was found t¢ be beneficial at
subsonic speeds but far less so at supersonic speeds. For circular holes the drag depends strongly upon
the depth to diameter ratio.

The fairings tested were either half-bodies of revolution with pointed or rounded ends or of square or
rectangular section with pointed ends. The effects of different amounts of immersion of the bodies into
the boundary layer was found in some cases by testing geometrically similar bodies of different sizes.

NOTATION

A} constants in expression far drag of | Mach number
B( circular holes. Egn (&)
C} constants in expression far drag of
D

steps and ridges. Ean (1) Rec Reynolds number based on freestream conditions
and chord ¢ of stub wing

-

r radius of step or ridge

c chord of stub wing

CD drag coefficient based on either frontal or Red Reynolds number based on freestream condi tions
plan area and freestream kinetic pressure and diameter d of circular cylinder
CD drag coefficient of circular cylinder or | span of stub wing or circular cylinder

o  stub wing of infinite length

C drag coefficient of circular cylinder or
stub wing of length a=699

local s)in friction coefficient in the
absence of excrescence

d diameter of circular hole or circular
cylinder

F  drag defect function. Eqn (5)

h height of step, height of body or depth of
hole

v

width of rectangular hole

loosely, boundary-layer thickness or specifically,
thickness to 99% freestream velocity (699)

kdinematic viscosity based on wall conditione.
density at wall conditions

surface shearing stress

ef'fective shearing stress on a hule

. . : _ 7\
¢ st ise length of rect lar hole or u. friction velocity based on wall conditions = l;

length of chamfer of satep
1 INTRODUCTION

The arrival on the aviation scene of supersonic transport aircraft with a high sensitivity in per-
formance to dreg at long-range cruise conditions, and with an enormous development cost, nroduced a demand
for estimates of drag of higher accuracy than hitherto. For one of the ingredients of the drag, that of
excrescences, very little informtion was available, Thus, although it was anticipated that any successful
airoraft should be 'clean', it was difficult to assess what allowable tolerance should be placed, for
example, on steps at akin join*s, or to assess what were the drag penalties of essential excrescences such
as aerials and pitot tubes. At about the same time it was becoming clear! that the drag of rmost current
aircreft could have been lower if mare attention had been paid to the avoidance of unnecessary excrescences.
Even though there existed a considerable body of experimental evidence on the drag o most forms of excres-
cence at low speeds, mainly from the investigations of WieghardtZ and his co-workers and collated by
Hcome:J, there was some doubt as to the application of the results over a wide Reynolds number range.
Trere was thus a clear requirement for an experimental programme to measure the drag of typical forms aof
excrescences on a surface over which flowed a turbulent boundary layer far wide ranges of both Reynolds
number and Mach number. Such a programme required a wind tunnel with variable density (an adventage not
enjoyed by most of the previcus workers in the field) and capable of operation at subsonic znd supersonic
speeds. Accordingly tests were made in the RAE 8ft x 8ft Wind Tunnel at Nach numbers between 0,2 and 2.8
with a Reynolds number range of about 10 : 1 at each Mach number, The range of Reynolds number was limited
in some rases by the load ranges of the balances used and, for some configurations, the maximum Mach number
vwas restricted to 2 because of unserviceability of the high-pressure section of the tumel compressor. A %
shortcoming of the testa is that transonic conditions were not covered. To obtain high Reynolds number the
walls of the tunnels were used, taking advantage of the knowledge’* already gained af the bounlary layers 2
there, and of the design of the strain-gauge balance used for measuring skin friction.
The excrescences tested included two-dimensional steps, ridges and grooves representin; defects in

sldn joints, cylinders and stub wings representing aerials and pitot tubes, circular and rectangular holes,
and half-bodies representing fairings over obstructions.
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2 TEST ENVIRONMENT

The drag of the various types of excrescence was measured by supporting them on balances which were
mounted at four positions respectively in the sidewalls, roof and floor of the working section of the RAE
8ft x 8ft Wind Tunnel. Since some 50 configur:tions of excrescence were contemplated, the small inter-
ferences, which may have existed between four excrescences tested simultaneously were accepted in the
interests of economic operation of the tunnel,

The turbulent boundary layer on the port side-wall of the tunnel has been investigated in great detail
and its characteristics are known to be those for a flow with zero presswre gradient. Less complete
(and less accurate) investigations have been made of the boundary layers on thc other wall and rod wnd floor,
Velocity profiles are not available for all four positions but sldn friction measurements - which vere
made of necessity to define the datum drag meusured by the balances = confirm that the flow in the tunnel
is symmetrical. Characteristics of the boundury layers relevant to the analysis made of excrcscence drag
are shovn in Figs 1, 2 and 3.
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3 EXPERIMENTAL TECHNIQUES

The excrescences were mounted on stroin-gauge
balances of design similar to th:t previously used
for skin friction measurament’, Two of the balances,
used for the smaller excrescences, were capable of
measuring drag loads up to 1,8 kg and two for larger
excrescences, had ranges up to 18 kg. All the balamces
had front plates of diameter 368 mm (14.5 in).

The srimry load calibrations of the balances were
made in situ before and after each test by means of
weights suspended on a fine cord attached to the centre
of the friction nlate and passing over a large diameter
balanced pulley., The balance readings for zero load
(for the balances mounted in the roof and floor) were
adjusted to account for gravitational forces arising
from the change of slope of the surfaces with change of
gsetting of the nozzle shape with Mach number, A fur-
ther carrection has also been made to the readings to
eliminate forces due to the pressure variations round
the edge of the friction plate around which twelve
pressure ta~pings were nrovided, and corrections were
mde far stresses induced by temperature gradients.

The three-dimensional excrescences were mounted dir- R X e
ectly on (or in, for the case of holes) the front plate e o, ey
of the balance. For the two-dimensional faorms, the . s . Sa—
excrescence was continued on the sidewall to aw’loid end {13' S ScE e

V"




effects. This was straightfarward for ridges but for steps necessitated a fairly large fairing sattached

to the tumnel wall either upstream or downstream of the balance centre-line across which the step was 4 —3
formed., It was checked, by making measurements with both upstream and downstream fairings in position,

as shown in Fig. 4, and with a packing piece on the balance plate to maintain a continuous flush surface,

that the local skin friction was not affected by the presence of the fairing.

The drag of an excrescence is given as the difference between the farce on the balance with an excres-
cence present and the force on the clean balance in the same flow conditions. Thus the results presented
include the effect of changes in skin friction on the balance but not on the tunnel sidewall.

In a summary raper such as the present one space does no: permit a detailed assessment of the potential
accuracy of the mecsurements of drag of many different excrescences at many different oonditions., However,
as a rough assessment of accuracy a figure of about 545 of the local skin friction on the balance plate
my be taken for the small balance at average Reynolds numbers, and ten times this for the large balance.

4 RESULTS

4.1 Steps, ridges and grooves.

The heights of these forms of excrescence were small compared with the boundary -layer thickness being up
to approximately 0.035. The appropriate parameters on which the flow may be expected to depend are therefore
those of the inner region of the boundary layer, as employed for example in expressing the calibrations of
surface devices used to determine skin friction coefficient. Accordingly a drag parameter, CD/cf , is

u
regarded as a function of a roughness Reynolds number i.e.cD/cf = £(h*), with h* = -:_. where °D is drag

per unit frontal arsa divided by freestream lkinetic pressure, cf is local skin-friction coefficient in the
absence of the excrescence, h is height of excrescence and u; and v are friction velocity and viscosity
based on wall conditions, Fig 5 shows that, for a forward-facing step at a given Mach number, there is a
unique line (within the scatter due mainly to fluctuations in readings) indicating a lirear variation of
drag parameter with the logarithm of h*, The drag parameter increases, for a given value of h*, with
increase of Mach number up to M = 1.4 or a little beyond but is apparently independent of Mach number for
further increase of Mach nurber up to the maximum, 2.8, at which the tests were made. Tue values of h*
show that in all the conditions of the tests the tops of the steps are within the logarithmic region of
the undisturbed turbulent boundary layer. It may be expected that the variation of the drag parameter with
h+ will change for smaller step height in a way analogous to the change in character of the velodl ty profile
in the blending region and sublayer of the boundary layer. In this connection it is worth remarking that
the behaviour is different from that for distributed roughness in that there appears not to be a critical
height below which no drag increment occurs., Although the present results define a logarithmic variation
only for relatively small heights of step, the results of Good and Joubert” for the drag of the farward
face of a fence at low speeds show that the same vuriation holds even when the height of the fence exceeds
the boundary-layer thickness. This variation implies that neither the 'independent drag coefficient' of
Hoernerd in which the kinetic pressure used in forming the coeff'icient is the mean over the height of the
step in its absence, nar a drag coefficient based on the velocity at the top of the step is constant over
a range of height. In the range of h* from 4O to 1000 the former varies at low speed between 0.36 and 0.58
and the latter between 0,17 and 0.41.
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Fig, 5 Forward-facing ateps - plain

4 detailed survey of previous work has not been made but similar logazithgic variations can be deduced
from a selection of measurements from other sources. The results of Wieghardt® at low speeds are shown on
Fig. 5 and have somewhat lower values of drag. The results of Good and Joubert? give values of drag about
50 higher than the present results., They are, of cowrse, far a different configuration and were obtained
from pressure measurements thus ercluding changes in skin friction on the datum surface,

At supersonic sp$eds drag deduced far example from the pressure measurementes of Kepler and Bog«lonoff6
and Vas and Bogdonoff! at Mach numbers of 2.92 and 3.85 is roughly in acoard with the present amlysis. The
calibration of razor-blade surface pitot-tubes expressed in the form of Fig. 5 also is roughly in agreement.
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The measurements of Czarnecki et 19.18 of the drag of repeated steps at M = 1.61 on a boly of revolution
give lower drag, as would be expected qualitatively because of interference between the steps.

The effect of rounding the upper corner of the steps is shown in Fig. 6., The full and broken linea
are for values of h* of 1000 and 200 respectively., It can be seen that at subsonic speeds a smll amount
of roundirng proiuces worthwhile reductions in drag. For example the drag is roughly halved for a radius
aqual to one third of the height. For supersonic sneeds the drag reduction is much smaller, A similar differ-
nce between the behaviour at subsonic and supersonic speeds occurs for the effect o chamfering as shown
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Fig., 7 Forward-facing steps - effect of chamfering

This difference in behaviour is perhaps not surprising if the effective wedge angle, which would give the
measured drag of a plain step in inviscid flow at supersonic speeds is evaluated. At M = 2 and h* = 1000
this angle is only 13 degrees. Thus if the flow attaches on a rounded step at the same angle a radius equal
to the step height produces an effective reduction in height of only %i, and the effect of a chamfer would
not be expected to be vary great until the angle was reduced to a value of the same order as the effective
separation angle,

The drag of rearward-facing steps has been plotted in the same way in Fig. 8. Mean lines only are
shown to avoid confusing the figure. The scatter of the experimental points is in fact slightly greater
than in Fig. 5. The measurements at M = 1.7 and 2.0 which were taken in a different set of tests from the
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Fig. 8 Rearward-racing steps - plain

body of the results snow sone inconsistency with the other results. Trne drag parameter varics lineurly with
the logarithm of h* as for forward-facing steps but the variation with Mach number is difi'erent. at a givemn
value of h* the drag parameter increases with increase of Mach number from low speeds to reuch a maximum at
about M = 1.4 an! then falls ag.in at higher I{ c¢h numbers., T:is type of behuviour had been noted previously
by Hastings® in his measwenrents of base drag. His results at supersonic soeeds are in fair agreement with
those in Fig. 8. 4is for forward-facing steps the results of ref 8 give lower drag. At low sreeds the results
agree vell with those af .ieghardt2 but not of Tani et allO,

The effect of cinumfering tre rearvard-facing step was tested (Fig. ¢) but not of rounding, At low
speeds, for the lower value of h* shown, there appears to be a smull penalty for a small amount of chamfer
ané there is little reduction in drag unless the chamfer angle is reduced to about 20 degrees. This result
is confirmed by some rmeasurerents of 4.ieghardt2. The drag increuse does no. occur at surerronic speeds but
no substantial benefit is obtained unles: the chamfer angle is red)xced below 10 degrees.
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For the drag of square ridges m-:n lines only are
shown in Fig 10, Also shown as broken lines in the figure
are results for rectangular ridges of width 2h, which were
taken as a basic section to investigate the effects of
rounding since a limiting semi-circular shape was thus
obtained with r = h. The drag of ridges ray be compared vith 100
the sum of that of forward ind rearward-facing steps. For
square ridges at low speeds interference between the flows EQ
over the tuo fuces leads to a drug parareter about 50. ot
greater thun the sum for t:e scrurate faces but the interfer-
ence diminishes at supersonic sweeds and is virtuully zero 50
at M = 2,8, Little vprevious published data haus been found
with which comparisons can be made. Aguin, the, results at
low speeds are in good ugreerent with ./ieghardt”, u.ng the
drag is slightly less than found by Good and Joubert’ far
a fence, The results for rectansular ridges have lover

slone than those for square ridges but have the same d
characteristic variation with Mach number. © 10 20 30 40 50 &0 70 BO %0
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The effects of rounding the top corners of the ridges
are shovn in Fig, 11. It can be seen that at both subsonic r3'o|'o l5 £ : c])
and sumersonic sveeds there is an optimum in the radius h
of about r = 0.6h. The optimum is clearly defined at low py, o

Rearward-frcing steps - eff'ect of chumferins
sneeds but becomes less pronounced at suversonic speeds, ’ i
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Fig. 10 Plain ridges

No nrevious information showin; this detail has been found
but the results for a semi-circular ridge are again in close
agreement with those of “ieghardt? (even in showing a non-
linear variation with log h*, a feature not brought out in
the presentation of Fig. 11).

o

For sharp-edged steps and ridges, the drag may be | et
estimated from the formula
Cp
5 =Clogh' + D (1)
£ ey
where C and D have values as given below [
M 0.2 0.8 1.4 240 2.8 |
Forward c 60 60 80 80 80
Step D 80 -70 ~65 ~65 -65 /ﬁ
P
Rear c 16 20 48 50 35 | .~
Step D -6 -13 -13 =30 -12
Square c 150 150 160 110 100
Ridge D -190 =160 =125 =42 by

O 02 04506 08 10
For grooves the drag increments were small and the accuracy h
of the measurements consequently poor. For grooves in the direce
tion of the flow the drag increase measured by the balance was Fig. 11 Ridges - effect of rounding
roughly equal to the local skin friction acting on the increased
surface area, that is on the sides of the groove. For rrooves normal to the flow a drag coefficient has been
defined based on the surface area of the groove and a Keynolds number on the width of the groove ¢{. Approxi-
mately the drag is given for all Mach numbers tested (0.2;' 0.8, 1.4, 2,2, 2,8) and f‘oruthree widths of groove

~

u T -
(% =1, 2, 3) with h2 0,03 by the farmula gE ® 2 log - - 2 within the range 10 < <= < 10, The measure

ments are not sufficiently accurate to deternine the effect of variation in % but the formula above is roughly

e
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consistent with the drag found for rectangular holes and shown in Figs., 14. and 15.

Except at very low Reynolds number the drag of a long groove narmal to the flow is thus greater than
that of the same groove along the flow. This result differs from that of Wieghax'dt2 for screw slots. The
difference is attributed to the drag of the ends of the slots being included in Wieghardt's measurements

but not in those of the present work.

4.2 Circular Holes

The flow pattern within a hole is of a complex three-dimensional nature and will depend upon. the con-
ditions of the flow approaching the hole and the geometry of the hole, It is unlikely that any simple
analysis will be capable of describing all the possible flow patterns. For example f'or very shallow holes,
renttachment of tte flow leaving the forward edge will occur with subsequent further separa.ﬁ.o:.i a8 t‘ha
dowrstream edge is approached. In fact it was fourd that for the shallowest holes tested a fair estimte
of the drag could be made by assuming that the pressure variation on the vertical face of the hole was that
of forward and rearward facing steps multiplied by the asquare of the cosine of the local angle of sweep of
the edge of the hole. For deeper holes complex vartex patterns will occur within the holes. Haowever, in
some way the flow within the hole will be driven by the shear stresses across the face of the hole and
these shear stresses will be related to those in the boundary layer approaching the hole. An analysis has
therefore been made by considering the drag of the hole as arising from an effective shear stress t', and
this has been non-dimensionalised by the shear stress t in the epproaching bourdary layer, so that an

incremental drag parameter 2 =3' -1 nas been defined. Here, Cp is the drag coefficient based on the

o T

f :
planform area of the hole and c¢g is the skin-friction coefficient of the approaching boundary layer. The drag
parameter will depend upon a Reynolds number of the flow across the hole, (taken as Ytd | where d is the

hole diameter), the Mach number of the flow and the hole depth, Thus we may take v

c
2=r( 22, 3)
Cp 9 d
Inepection of the results for each hole and each Mach number over a range of Reynolds numbers showed
that they could be expressed as e
Do, (e (1)
c v

where B was found to depend upon Mach number but was sensibly independent of hole depth, whilst A depends
strongly upon both Mach number end hole depth. Values of A and B are shown in Fig. 12, There is a
practical interest in the drag of holes with deptha greater than the maximum of 2 = % of the present
tests. The results of previous work at low speeds has therefore been analysed in terms of egqn. (4). In
making the analysis it has been necessary to estimate skin-friction coefficients and to assume that the
values of B obtained from the present results could be_taken even though the Reynolds numbers were lower.
Values of A derived from the measurements of Wieghardt“ agree with the present findings in the region

of overlap ?.rd are shown in Fig. 12. Consistent values (not shown) have also been obtained from the tests
of Tillmann'! and mggm812. These tests covered a wide range of values of d/5, the ratio of hole dia-
meter to boundary layer thickness and the values of A show no strong dependency upon this parameter. The
extension of the results to larger values of 2 reveals a strong, almost cylical, variation of A with b .
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A brief oil-flow study has been made of the flow in holes in an attempt to find the flaw patterns
The study was made in a small blower tunnel and it is not !mown if the
drag variations implied by Fig. 12 actually occur in the study.
gf Fig, 12 it is assumed that this is likely.

associated with this variation.

However in view of the apparent generality

The oil-flow pattern for a hole of depth : diameter ratio,

3 = 0,47 was found to have a unique character compared with patterns for other holes in the range tested,
(0.1 s % € 1.3). A photograph of the pattern s given in Fig., 13 in which a lining to the hole is shown

removed. Top

Rear

Fig, 13 0il-flow pattern in circular hole

4.3 Rectangular Holes. t

A few measurements have also
been made with rectangular holes.
Samples of the results are shown

in Figs. 1k and 15 at one Reynolds 6

number only, —— = 2 X 10* where

€ is the leng'hl\; of the hole in the ;“

stream direction, Insufficient com-
binations of planform aspect ratio
and depth to length ratio were tes-
ted to make any comprehensive anal-
ysis possible.
of the drag parameter cn/cf are
plotted against h/t. The measure-
ments show a trend of decreasing
drag with increase of depth ratio.
This trend is genuine for the three
points with planform aspect ratio
of 0.4 but may be coincidental for
the points with aspect ratios of

1 and 2,5. As a checlf on this,
results from Friesing 2 for holes
with varying depth ratio are shown.

In Fig 14 values 2 +

Front

Rear The photograph implies the exis-
tence of two vortex shcets, the
upper one rolling up from a spiral
point on the starboard wall, and
presumably engulfing the lower sheet,
emanating from the floor, in the
rolling-up process. The coiled
sheet appears to lie across the hole
at about 45° to the stream direction,
and its f'ield to sweep new fluid
into the hole roughly normal to its
axis, as indicated by the streamlines
on the rloor. This voverful inter-
change of fluid presumbly could
account for the high drag but the
reason far the formtion of the
prattern is not understood. It should
be noted that, though the pattern
showed a preference for the asymmetry

h as shown in the photograph, patterns
3° 0.47 of the opposite hand occasionally
occurred.
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These results are it different Reynolds numbers and
have simply been scaled so that the curves on Fig. 14

pass through the points of the prese:t measurements,

The curves imply th:at the trend, whilst not being unique
for dif'fercent aspect rutios, is followed roughly., It is
interesting to note that, if a "lover bound' is fitted

to the oscillatory curve of Fig. 12 and the variution of

the drag parameter on the lower bound for circular holes

is E}}an .estimated at a mean Reynolds number of
';‘.: = 2 x 10%, the general trend of tine results for

v
rectangular holes is well matched. This result suggests
that at low spe/ds the drag of a circular hole will gener-

ally exceed that of a rectanguiar hole,

In Fig. 15 the variation of the drug of two par-
ticular holes with Mach number is shown and compared
with the variation for a circular hole (of depth
chosen so that the variation is not unduly influenced
by the osciliatory characteristics). at subsonic
speeds the drag of the circular hole dirinishes whilst
the drag for the square and rectangular holes con-
tinues to rise. is trend is contrary to that
found by McGregor 3. Further work is needed to

resolve the discrepancy and to put thc estimation
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of the drag of rectangular holes on a firmer basis. McGregor's investigations concentrated on determining
the effects of acoustic resonance on drag. The present results may be influenced by such effects but

no evidence of their occurrence made itself obvious in the tests,

4.4 Circular cylinders,

The flow past a circular cylinder normal to a wall is also very complex. At the base of the cylinder
separation of the approaching flow leads to the formation of one or more harseshoe vortices wrapped round
the front of the cylinder, and trailing in the downstream direction., If the flow is supersonic there
will also be complicated shock patterns produced by the interaction of the bow shock of the cylinder and
the bourdary layer. Further out from the wall the variation of the drag along the cylinder will still not
be simple since, even with the assumption that the drag may be treated stripwise, the local drag will
depend upon the local values of kinetic pressure, Mach number and Reynolds number. An attempt has been
made in the analysis tc take account of these various factars in an empirical way, ignaring of necessity

the development of a proper model of the flow.,

For cylinders which are very short with respect to bourdary layer thickness, the drag is roughly the
same as that of shallow holes, and can be estimated approximately in the same way by using the informaticu
on the drag of steps, with a factor for the angle of sweep of the vertical faces. This approach may be
considered as a drag analogue to the law of the wall for the velccity profiles of a turbulent boundary layer.
The analogy with velocity profiles has been extemied for longer cylinders by an attempt to establish & drag

defect function as suggested by Good and Joubert?.

-5
--—EQ 687 |
d =12-7 mm _———— N 0
s o de =P eagurerents were made of the incremental drag
l =20 ' | —y created by cylinders of diameter 4 = 12.7 mm (0.5 in)
S e At M A= A e B
: h . oundary layer ckness was e
) d | —Gl)'"O— --=""8 order of 10d, As a sample of the results the values
Cp = = A 0 __..-—1°" ——— of drag coefficient (based on frontal area) far a
g o - --1& Mach number of 1.4 are shown in Fig. 16 plotted
2 __——”1 against a Reynolds number Rey based on freestream
s 1 dee=="F conditions and cylinder diameter. For all lengths
OS5 _1-§=-=§_-=—-=- - of cylinder the drag increases with increase of
=u=1= é e 'V'__g_—"ﬁ' _-=-="H Reynolds number but the rate of increase diminishes
- zi—"'___ 8- ‘G_,—ﬁ'—— as the length of the cylinder increases.
s - - In order to estimate the drag of cylinders which
j o extend outside the boundary layer knowledge of the
(o] L 5 drag coefficient under freestream conditions, Cp, , is
10 2 Re 4 6 8 10 2 required. It has also been taken as a datum value
d on which to base other parts of the drag estimate.
" . . It has been found by extrapolation from results such
Fig, 16 Circular cylinders - M = 1.4 as those in Fig. 16 far the five Mach numbers at which

measurements were made, and is shown in Fig., 17,again plotted against Rez, At M = 0.2 the range of Reg

extends just into the critical region, and it is of interest to note thaet the manner in which CD,, decreases
falls within the band of previous measurements at low speeds, and that the critical value of Rey is not excep-
tionally low as mignt have been anticipated from the effects of the proximity of the highly turbulemt flow

af the bourdary layer. At other values of Mach number the flow is dominated by compressibility effects

and no drag decrease occurs with increase of Reg. A further point to note is that the drag actually
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increases steadily with increase of ‘8

- —
Re, (4Cp,./4 log Rey being about 0,08). This _é:_n.f_ 1"“-\
increase is slower than that found by Roshko'® D=
for lom speed flow at supercritical Reynolda 0-7 4
numbers. The results of Fig. 17 enable correc- P/
tions for differences in Reynolds number to be
made and a comparison with prévious measure- 06
ments to be obtained as shown in Fig. 18. 0 05 1.0 M 15 2.0 2.5 3.0

The anaiogy with a velocity defect func- Fig. 19 Circular cylinders - drag ratio foar s = 599
tion is taken in the form

Dg = CD
el = M 2 5

S (5) 600
where CD is the drag coefficient o a cylinder
of lengtg s = 8gg, where 599 is boundary-layer
thickness to 99% of freestream velocity. c
Within the.range shavn by the bars in Fig. 19 Co‘- D
it has been gound that cDg, is_proportional to Fz —
CD. at a given Mach number and the variation C5 400
of the ratio is shown plotted against Mach 281 M
number..

It had been hoped that a drag defect 200 oA
function independent of Mach number could be 14
found, but for the reasons given previously
the failure to find this, as shown in Fig. 20 S

is not surprising. 200 —
Figures 18, 19, 20 enable an estimate of c}\

drag to be made for cylinders of any length
greater than about 0,18, For cylinders immer- 100
sed completely in the boundary layer

CD = CD& - F cp (6)

and for cylinders wnich extend into the free- o
S i 02 04306 08 10

500

Cp = & Cpg + (1 - 2)0n. (7)
8 Fig. 20 Circular cylinders - drag defect furction
The broken lines on Fig. 16 show estimates

derived from equations (6) and {7) with boundary layer characteristics taken from Figs. 1 and 2. The com-

parison with the measurements shows that the simplifications introduced in the estimation method lead only

to small errors for long cylinders and for short ¢ylinders, but that the variation of drag vith Reynolds

number is overestimated for cylinders of moderate length.

4.5 Stub iings,

O-8
Four dif'ferent stub wings were tested, of spans

2.5, 1.25, 0,25 and 0.125¢, where ¢ is the chord, of

length about €56, As a sample of the results the drag

coefficient (based on frontal area) for a Mach

number of 1,4 is shown plotted against Reynolds 06 '—‘-—--231-’—:-- 3

r—o————r- T-"x—' 22§

—d -t 125

number based on chard in Fig. 21. The results

are sim:lar in character to those for circular CD

cylinders and it was hoped t.at the analysis made

for the cylinders could be carried over to stub

wings, ar indeed to any other similar sort of

object projecting into or through & boundary layer. O4

In particular it was hoped that the drag ratio [

(Fig. 19) and the drag defect function F (Fig. 20) =

could be taken as being fairly universal so that =

given a knowledge of the drag of an object in the ;;:.’E

freeatream its drag in a boundary layer could then 02 == “ois¢ pr.
!

1\\5

be estimted. The drag of the stub wings-at sub- -
sonic speed is small and has not been resoived with

-
4=~ v

sufficient accuracy. Analysis has been made only P L/

of the results at supersonic speed. In the analysis - y E .

the hope. are only partially realised., The drag §-1 f _-r

defect function was found to have a variation both (o] —

with Mach number and s/6 similar to that for cir- lOs 2 Re. 4 6 8 |06 2

cular cylinders but its values are scaled by a ¢

factor of about §. However the drag ratio (Fig 23)

whilst having values close to t.ut for a circular

cylinder at M = 2,2 and 2,8 was about 5% lower at Fig., 21 Stub wings = M = 1.4

M = 1.4. The drag of the wing section at freestreanm

condi tions at supersonic speeds is shown
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in Fig. 22.
in drag of

The streamlining of an aerofoil section commred with a circular cylinder gives a reduction
The estimates shown by the broken lines on Fig. 21 are much less satisfactory than

some 40%.

for ocircular cylinders.
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Fairings,
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Drag coefficient of ving of infinite length

The measurements of the drag of fairings are the least satisfactory part of the investigation, aml so
far no general urderstanding of the results has been achieved but some observations can be made about them

which give guide lines for design.

The results, as drag coefficients based on the frontal area of the

fairings, plotted against the ratio of boundary-layer thickness to fairing height are shown in Figs, 24 and
25 for Mach numbers of 0.2 and 1.4 as being typical of the behaviour at subsonic and supersonic speeds res-
Altogether ten configurations were tested, and the points shown are for the maximum and minimum

pectively.

Reynolds number for each configuration.

skin-friction drag of which was not included in the datum drag.
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There is some small inconsistency in the drag as presented because
some of the excrescences extended beyond the front plate of the balance so covering parts of the wall, the
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The first observation is that at subsonic speeds Cp inrreases with increased immersion o the fairings
in the boundary layer and is considerably less than at supersonic speeds where the drag decreases W::Lth
increased immersion. Apparently at subsonic speed viscous effects are dominant whereas at supersonic
speed wave drag is diminished by the damping action of the boundary layer. This is shown most clearly by
the results for the parabolic bodies (1), (2), (3) of semi-circular cross section and fineness ratio 3 : 1
for which an extended range of §/h was obtained by testing three sizes o body. At subsonic speed Cp tends
to zero at infinite Reynolds number (&/h = 0) and at supersonic speed Up has been extrapolated to an
estimated valus far the forebody drag plus a base drag. The estimate has been made in this way because
it is known from observation of tufts that there was considerable separation over the rear of the body.

For the remaining bodies, which differ from bodies (1), (2) and (3) in having greater fineness ratio
and in having end profiles of circular arcs rather than parabolic arcs, the variation of drag with immer-
sion in the boundary layer is greater. Body (8) which resembles (1), (2) and (3) but with a parallel mid-
section has a drag roughly consistent with these bodies, and with them has the lowest drag. Comparison
of (8) with (4) and (5§ (the arrows on the sketches of the bodies show the wind direction) indicates that
a hemispherical forebody (body (5) ) has a smll penalty compared with a pointed body at subsonic speed
and a large penalty at supersonic speed but that the reverse is true for a hemispherical afterbody (body
(4)). Bodies (6) and (7) which have a rectangular cross section of 2 : 1 aspect ratio have alightly higher
drag than (8) which has a semi~circular cross-section., Their increased length compsred with body (8)
perhaps compensates for any improvement due to the increased fineness ratio of either the forebody or
rearbody. The fact that their drag is roughly the same does not point to any rreferential advantage in
increasing the forebody or afterbody length above a value of about 3h., Fimlly the square cross-section
bodies (3? and (10) have high drag but the variation with §/h is rapid over the limited range investigated
and comparison with other bodies might be different at different values of §/h. The differences in drag
between them confirm the pemalties of a bluff afterbody at low speed and a bluff forebody at supersonic

speed as indicatea by the comparison of (4) anda (5).

6 CONCLUDING REMARKS

It is suggested that the experimental results and the analysis given provide means of estimn ting the
drag of many of the excrescences found on aircraft., There are, however, obvious shartcomings of the work,
and considerable scope for extension in various aspects.

A notable omission is the lack of any study of effects which may accurulate downstream because of the
effects of Aisturbances on boundary-layer growth and because of the effects of pressure gradients., Investi-
gation is needed particularly of the downstream effects of three-dimensional forms of excrescence, and of
the effects in three-dimensional flow. The work of Nash and Bradshaw!> pas shown that for simple excres-
cences in two-dimepsional flow a 'magnification factor' to account for the effects of pressure gradients is
calculable, Cook'® has given some further confirmation of this for the flow over an aerofoil with a ridge
but has drawn attention to the powerful effects which may occur if the flow in the vicinity of the ridge is
near critical. Further work is needed both on the drag of excrescences and on their overall effect on the
flow over wings and bodies at transonic speeds. The effect of sweepback on steps and ridges could also be
studied.,

The measurements o the drag of holes need extemling to deeper holes, to different forus of holes and
to include the explaration of the possible benefits from shaping the edges of holes. Inform:tion is also
needed on the drag caused by air intakes and exits.

The investigation of the drag of fairings, though providing some guidance for the designer, is far from
complete. The superficial assessment made so far, for example, does not cover separately the eff'ects of
Reynolds number on the drag of the fairings as distinct from the effects of changes of irrersion of the body
in the boundary layer with change in overall Reynolds number. Furthermore, since the purpose of fairings
is to reduce the drag of some necessary obstacle, a proper approich, from purely uerolynamic cousiderations,
would be to attempt to define a shape with minimum drag surrounding a given obstacle.

There are also other topics not covered in.the investigution described here, amongst vhich are the
increments in drag caused by surface distortions and by arrays of excrescences. In the latter aspect it is
necessary to establish the way in which interferences between individual excrescences develop as their den-
8ity increases and the drag changes from that for isolated excrescemces to that for distributed roughness.

British Crown Copyright: reproduced by permission of the Controller of Her Britamnic
Majesty's Stationery Office
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SUMMARY

There are several components that make important contributions to the drag of a
helicopter, e.g. the drag of the main rotor and of the tail rotor, of the basic fuselage,
of the pylon, of the landing gear, of the fairings and the interference drag between
these parts. To obtain the total drag of a helicopter one can make flight tests, or
measure a large scale,or a full scale model in a wind tunnel, or estimate it by semi-
empirical calculations using component tests of a small scale model.

The difficulties and advantages of these three ways of defining the drag of a
helicopter are described. Especially the problems associated with tests of small scale
helicopter models are discussed since it happens quite often that there is only an in-
complete small scale model available. When small scale models are tested there can be
parts that make important contributions to the total drag but have to be tested at dif-
ferent critical regions of Reynolds number range whereas at the actual helicopter in
normal flight the Reynolds numbers of these parts lie beyond the critical Reynolds num-
ber. The problems and methods to estimate the total drag of helicopters using results
of model tests are discussed. The results are compared with flight-test results.

NOTATIONS
A m? rotor disc area, nR? T kp rotor thrust
2
Af mz fuselage frontal arex v r:—ec true airspeed of helicopter
Ap m projected frontal area along flight path
b = number of blades per rotor in
C m blade section chord Ve sec Eate ofclihbcfirelicopren
CD - drag coefficient, D/qu, D/qu v Fs_lE induced velocity at rotor
CL = rotor lift coefficient, L/gA (always positiv)
CP = rotor—sh:ft power coefficient, kp helicopter gross weight
P/pA (QR) deg rotor angle of attack;
CT = rotor th:‘ust coefficient, y deg f£light-path angle
T/pA (QR) (positive in climb)
B kp toallequivalent (dskg \earece § - mean profile drag coefficient
of the helicopter of blade
(D/L)_,l = rotor induced drag-lift ratio N inflow ratio, (Vsina-v)/QR
(D/L)o = rotor profile drag-lift ratio g o tip-speed ratio, Vcosa/iR
(D/L), - rotor drag-lift ratio, 2
R kp sec
(D/L)o n (D/L)i p —-x%r— mass density of air
£ m? parasite-drag area, Dp/q v deg blade azimuth angle
L kp rotor 1lift Q rad rotor angular velocity
n rpm rotor rotational speed gee
mk
P mkp
T rotor shaft power
q :T“g dynamic pressure, 1/2pV?
R m blade radius measured from
center of rotation
Subscript:
C climb
i induced
o profile
p parasite
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1. INTRODUCTION

-/-51, In the early days of development of helicopters the engineering effort was mainly

concentrated on the mechanics of flight and the development of the rotating and control
components. Almost no attention was paid to the aerodynamics of the non-rotating parts
(Ref. 1). The designers of the helicopters of today and of the future are noticeably
trying to improve the aerodynamic efficiency. It is true, that for some purposes (e.g.
agricultural, survey, training, heavy 1lift, observation) aerodynamic cleanliness is
still less important, but for transport, both civil and military, and for attack, speed
becomes an important factor. In case of the civil transport helicopter, block speed is
the interesting factor. As far as the military transport helicopter is concerned, spee?
plays the dominant role in possible evasive actions or passive defense. In case of the
attack helicopter, the speed factor is evident and needs no further explanation. How-
ever, speed is not the only important factor. The customers become more and more inter-
ested in economic helicopters which need less power at a given speed. Therefore, reduc-
tion of parasite drag will be regarded very carefully in new designs.

To increase the speed of a helicopter or of an airplane there are two possibili-
ties, namely to install more power or to reduce the drag. Ultimately, one has probably
to do both, but reduction of drag seems to be more attractive to the designer. As is
well known, the total power required of a helicopter in level flight consits of three
components (Fig. 1):

(1) The inducecd power that is required to produce 1lift,

(2) the profile-drag power that is necessary to drag the blades through the air,

‘, (3) the parasite-drag power that must be supplied to drag the fuselage through
the air.

As can be seen from Fig., 1, the induced power decreases with increasing speed. The
profile-drag power increases slightly as forward speed is increased, the increase be-
coming very rapid at high forward speeds. The power required to drag the fuselage through
the air, however, increases as the cube of the forward speed and becomes very large at
higher speeds. Therefore, when increasing high speed of a helicopter much attention
must be paid to its parasite drag.

Reducing the drag of a helicopter means not only a reduction of the propulsive
force of the main rotor. It also delays stall and compressibility effects at the main
rotor with subsequent less aerodynamic load unsymmetry on the rotor. Thus, the oscillatory
loads on the rotor blades and controls as well as the vibration in the cockpit and on the
frame are diminished (e.g. Refs. 2 and 3). Therefore, the goal of modern helicopter de-
sign is, to come close to the average parasite drag of fixed-wing aircraft as can be seen
in Fig. 2 (Ref. 4).

Reduction of drag can, of course, only be achieved by careful aerodynamic consi-
deration of the components. This is necessarily followed by careful testing and analiy-
zing. The possibilities of doing that and the problems associated with estimating the
total drag and the drag components of a helicopter are discussed in the following paper.

2. BASIC RELATIONSHIPS BETWEEN DRAG FORCES AND POWER REQUIRED OF A HELICOPTER

The power supplied at the rotor shaft of a helicopter is expended in overcoming
the profile-drag losses, the induced-drag losses, the parasite-drag losses and in chan-
ging the potential energy of the aircraft in climb. The total shaft power is the sum of
the various sources and car be written in coefficient form as

Cp = Cpo * Cpy * Cpp * Cpe - (1)

Each individual power loss may be expressed as the energy dissipated per second
by an equivalent drag force moving at the translational velocity of the aircraft. Thus,
if D represents the total equivalent drag force and D_ , Di , D and D_ the equivalent
drag forces corresponding to each of the sources of p8we1 expegditure,

D = D° + Di + Dp + Dc . ( 2)

Deviding equation (2) through by the rotor lift L yields

D D D
T = (&) + () + (E) + (E) . ( 3)

Since (CP/CT) = (D/L) * u, equation (1) may be written in the usual form (see Ref.l)

C C C C C

P __Po "Pi  "Pp ,  “Pc . ( 4)
e aten ey leh S e, |

Eq. (4) is the fundamental power relation to solve any problem in helicopter per-
formance. Additional formulas that are necessary for evaluating helicopter performance
by means of eq. (4) are taken from Ref. 5:

T cos(a + y) = W + Dp sin vy . (5)
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CT (QR) T
(o P o6
L)L I (1 + 3u? + %u“) (7))
CT (QR)T 8CT
CP CT
i, = (8)
Cp 2u1+ (A /m) 2] 1/2
Cp 1 f u 3
—L2 = — - ) (9)
CT 2CT A cos a
Cp Cp cosa Cp 2 cos?all/2) VS
—c = siny{-siny —P + |1-cos?- —E) = — ( 10 )
Cr Cp v Cop u? cosa QR
C

A T
tana = — + 7
w201+ (/) 2]M2

(11)

These basic equations (4) to (11) can also be used to determine the drag forces
of a helicopter if it is possible to measure the different sources of power expediture.
It should be noted that some of these equations are approximations which are only used
since they describe the physical background very clearly.

The trends of induced, profile and parasite power with airspeed that are shown in
Filg. 1 for a level flight of a utility helicopter indicate that a remarkable portion of
power required at high speeds stems from parasite drag, about 50 percent at 240 km/h.
While theoretical methods have already been developed to a degree to predict the rotor
drag-lift ratio (D/L), with some confidence (Ref. 6) it is still impossible to estimate
the parasite drag of a helicopter using theoretical methods. The reason for this fact
is that there are several components which make important contributions to the parasite
drag of a helicopter but cannot be dealt with analysis because of their shape. Fig. 3
shows a typical drag brakedown of utility helicopters at cruise conditions. The main
contribution comes from the basic fuselage. The larger number belongs to a helicopter
with great utility. The next important items are the drag contributions of the hub of
the main rotor including blade shank drag, of the main rotor pylon and of the landing
gear. The remaining parts mnake smaller contributions to the drag but they add up to a
total of 24 to 28 percent.

The drag of a helicopter can be measured in flight tests, large or full scale
wind tunnels or in small scale wind tunnels as it is common for fixed-wing aircraft.
Only the special problems associated with helicopter testing will be discussed in the
following paragraphs since all problems that are valid both for fixed-wing and rotary
aircraft will be discussed in many distinguished papers of this meeting. This paper will
also not touch the problems of instrumentation and accuracy of measurement (e.g. Refs.?
and 8).

3. FLIGHT MEASUREMENT OF HELICOPTER DRAG

Flight testing allows exactly only measurement of the total drag of a helicopter.
The following quantities have to be measured for this purpose:

helicopter gross weight

altitude

temperature

true air speed

rotor shaft power

rotor angular velocity

flight path angle or rate of climb

Of course, if some parts, e.qg. basic fuselage main rotor hub, landing gear or main
rotor pylon, are improved by better aerodynamic shapes, the reduction of drag compared to
the origional version can readily be determined. Fig. 4 shows a comparison of flight test
results between a production BO 105 and an aerodynamicly lmproved BO 105 that has an
extended engine cowling and afterbody and advanced geometry blades. The improved fuse-
lage leads to a drag-reduction of 165 kp at a speed of 250 km/h. Adding the improved
blades results in an additional drag reduction of 77 kp at the same speed. In an attempt
to brake world speed records even more aerodynamic cleanliness is required. E.g. in
Ref. 9 the speed gains of the Gazelle as obtained with several streamlinings in flight
tests are discussed. -
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Anothexr advantage of flight testing is that there do not arise any problems due
to scaling effects as it happens when models are tested. Therefore, flight tests are
the final judgement of design and of model testing.

The disadvantage of flight tests is the fact that it is not possible to measure
exactly the drag forces corresponding to each of the sources of power expenditure.
Needless to say that in the design stage no drag data can be achieved by this procedure.
In addition, it is too expensive to optimize the drag of components in flight tests by
changing the shape. Only the results of the optimization in the wind tunnel are finally
checked.

However, there are two possibilities to find the parasite drag of a halicopter in
flight testing. As can be seen from Fig. 5 (Ref. 10) the rotor drag D, = D_ + D can be
calculated quite accurately by theory. Thus, the parasite drag or the pargsite-drag
area can easily be obtained from egs. (4) to (9) assuming level flight:

_ cosa, ? _ _
£f = 2A ( 7 ) [CP CPo CPi] . (12 )

Another possibility is only valid in the high speed range provided that major por-
tions of the blade are not stalled. But in this case only measured data are used. This
idea takes advantage of the fact that the power required to drag the fuselage through
the air increases as the cube of the forward speed. Thus, in the high speed range, the
changes in total power required stem mainly from the contribution of paras te drag (Figqg.
1). In Fig. 6 the rotor-shaft-power coefficient C, is plottet versus u'. The linear de-
pendency between C_, and u® proves the asumption sgated above. Therefore, when differen-
tiating eq. (4) wigh respect to u’ several terms can be neglected, and one obtains:

dcp 1
= Const. (13)

1 f
du?) 2 A cosa
Since in the high-speed range (A/u)<<l, eq. (8) yields

Cz
c ~ 1, ( 14 )

Pi 2u

The thrust may be obtained from T? = W? + D?. The constant of eq. (13) can be de-
fined from Fig. 6. Thus, one can calculate f, CPc and CPi . Finally, CPo can be com-
puted with the aid of eq. (4):

Cpo = Cp = Cpy ~ Cpp . ( 15 )

The total power required as obtained from flight tests with the BO 105 shows
good agreement with calculations (Fig. 1) which use wind tunnel data for the parasite-
drag aiea. Thus, the small scale wind tunnel data seem to be satisfactory.

Fig. 7 shows a comparison of the drag forces as computed by theory (using the
measured parasite drag area) with those obtained by the empirical method mentioned above
which uses flight-test data. The agreement is good. The empirical method overestimates a
little parasite-drag force, whereas theory underestimates a little total equivalent drag

force.

4. TFULL-SCALE WIND-TUNNEL TESTING OF HELICOPTER DRAG

Any wind tunnel testing of helicopters that includes the rotor is preferably per-
formed with full-scale helilcopters since construction of a rotor model that is aerody-
namically and dynamically similar means almost design and development of a new rotor.

The advantages of full-scale wind-tunnel tests are that they usually provide data
essentially free of scale effects and permit the evaluation of the actual hardware, such
as antennas. The contribution of the landing gear or of various excrescences such as
window and door seals, door handles and other protuberances to the parasite drag of a
helicopter or the additional drag from leakage and nonflush doors, windows, hatches etc.
which not only contribute their own drag but can also cause flow separation on the basic
fuselage can only be determined from full-scale tests. This is also true when the drag-
1ift ratio of the rotor alone or the fuselage forces as influenced by rotor operation are
to be measured. Of course, any extreme flight condition that might be dangerous should
preferably be measured in a wind tunnel. However, this problem is not so much associated
with measurement of drag but more a problem of general flight behavior.

Besides the fact that the number of full-scale wind tunnels is small and the cost
of testing is high (but still lower than flight tests) there are several other problems
that have to be observed when planning full scale tests. The speed range of wind tunnels
is limited, e.g. 200 knots at the NASA Ames 40 x 80 food wind tunnel. This speed range
is usually adequate for testing of pure helicopters. It might some times not be adequate
for testing of special high speed rotorcraft at full scale Mach number and advance ratio
(e.g. Ref. 11). To simulate the advance ratio tip speed has to be reduced substantially.
Thus, the data is obtained at reduced Mach number, and Reynolds number, even though in a
full scale wind tunnel.
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There exists another problem when testing V/STOL vehicles in a wind tunnel. There
is a minimum speed test limit that results from a breakdown of the flow through the tun-
nel, see for instance Refs. 12, 13, 14. This flow breakdown is caused by an interaction
between the model's high energy wake, the main tunnel flow, and boundaries. In contrast
to the free air, the flow in the tunnel at the limiting conditions produces a large re-
gion of reversed flow and upwash in front of the wake, see Fig. 8 (Ref. 12). The forward
portion of the wake travels forward initially and then upward to roll up into a large and
powerful standing vortex in front of the wake as it nears the floor. The rear portion of
the wake is subjected to both an acceleration and an upwash so that this portion of the
wake assumes a position substantially above its normal free-air position. The flow
breakdown is a function of the model's downwash, size, and configuration as well as the
tunnel size and configuration, see Fig. 9 (Fef. 13). When data is taken below the flow
breakdown point data is not valid.

If these restrictions mentioned before are observed full-scale wind-tunnel tests
show usually very good agreement with flight tests (e.g. Refs. 15 and 16) and can there-
fore be regarded as reliable data. Some important full-scale results which can serve as
guidelines for estimating the drag of helicopters or for judging small scale tests are
reported in References 16 to 19. Some of them are summarized in the following discussion.

It is shown in Ref. 16 that the rotor-fuselage interference is small when the
fuselage with the rotor off has large separated flow areas. It is assumed that this is
also true if the fuselage has very small separated flow areas (Ref. 17). A fuselage which
has no separated flow but is susceptible to flow separation from relatively small distur-
bances would be expected to have large interference effects. Fuselage tuft studies during
tests of models without a rotor can indicate whether or not interference effects are
likely to occur.

In References 16 to 18 several full-scale helicopter fuselages were tested and
the influences of different hubs, pylons, landing gears, antennas and several aerodynamic
fairings were investigated. Fig.10 (Ref. 17) shows as an example the parasite drag area
of the basic fuselage of a four place, light observation helicopter and the effects of
several other parts. The total parasite drag is six times as large as that of the basic
fuselage. An aerodynamic cleanup reduces the total drag to 65 percent of the original
one. Especially the drag increments of three pylons with three-blade articulated hubs
are shown in Fig. 11, Although the curved element pylon has three times the frontal area
of the linear element pylon, it is significant that the curved element pylon in combj-
nation with the rotor hub has only a slightly higher drag than does the linear element
pylon with the same hub. The addition of a ramp to the curved element pylon has no effect
on the drag, but might improve the effects of the pylon wake on the tail aerodynamics.

Fig. 12 presents the drag increments of three test hubs the distances of which
from the fuselage were varied. As can be seen from results about 50 percent drag reduc-
tion are possible. Fig. 12 shows also the drag characteristics of the antennas, door
junctures, and door handles. Although none of these items contributed more than 0.023
square meters of parasite-drag area individually, camulatively they account for about
23 percent of the drag of the complete configuration.

In Ref. 19 the results of parasite-drag measurements of five helicopter rotor hubs
are documented. The results of that investigation indicate the following conclusions
(Fig. 13):

(1) In general, angle-of-attack variation do not have large effects on the drag.

(2) Within the limits of these tests, the drag is not significantly affected by
changes in hub rotational speec or forward speed.

(3) The drag coefficients C_  of the basic hubs, based on projected hub frontal
area, increase graduall? with hub area and range from 0.5 to 0.76 for the
hubs tested.

Thus, if there are no problems with Reynolds number a nonrotating hub is a fair

approximation of the actual behavior in small scale tests.

5. OBJECTIVES AND PROBLEMS ASSOCIATED WITH MODEL TESTING

The need for the testing of aircraft was already discussed at the beginning of
this paper. The best way of doing it is not a priori obvious, but model testing has in
fact certain advantages over full-scale flight testing such as (Ref. 20):

(1) Cheapness, ’

(2) instrumention may well be easier,

(3) more controllable experiments are possible,

(4) ability to test flight regimes which are difficult or dangerous to achieve

with, or are outside the range of existing full-scale aircraft,

(5) ability to test configurations that are in the design stage and not yet in

full-scale existance, -

(6) individual components of aircraft, and their mutual interference effects can

be relatively easily tested.
Items 2,3, 4 and 6 are of course also valid for full-scale tests compared to flight tests.

The most important problem that has to be solved when conducting model tests is
scaling. It is a well-known fact that the forces and moments acting in the fluid and on
the body, and the motions of the body and the fluid are completely similar both for model
test and actual flight if certain non-dimensional parameters can be arranged to be iden-
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tical both for the model and the full-scale aircraft. If no rotors are involved in the
tests only the Mach number and Reynolds number are important to achieve similarity. How-
ever, since 1/5-scale or 1/4-scale models are usually used it is impossible to fulfill
both requirements unless pressurized wind tunnels or those using a gas other than air as
a working fluid are considered. Since forward speed of pure helicopters does usually
not exceed Mach number of 0.3 testing of fuselages is not aggravated from this point of
view. Simulation of Reynolds number is the problem. Fig. 14 (Ref. 18) shows a comparison
between full-scale and 1/5-scale data of a light observation helicopter (LOH). The measu-
rements were conducted with the basic fuselage less all antennas and protuberances, lan-
ding gear removed, holes and gaps sealed. The fairly good correlation in the drag data
may be fortuitous because the differences in 1lift and pitching moment indicate marked dif-
ferences in the flow conditions between full-scale and small-scale test. In both tests the
drag coefficient was increased about 0.04 when adding the faired landing gear to the fuse-
lage. In the full-scale test, the zero-angle drag coefficient of the LOH was increased
by 0.010 by the shortened afterbody, and decreased by 0.012 by the extended afterbody,
whereas in the small-scale test the corresponding numbers were, respectively, 0.005 and
0.012.

Fig. 15 presents another comparison of full-scale and 1/5-scale model test results
for two slightly different models (labelled C and D) of a LOH (Ref. 21). The drag of mo-
del C, both small and full scale, agrees fairly well, as does the lift. However, the drag
of model D, 1/5-scale, is nearly twice that of the full-scale model. This difference,
according to Ref. 21, results from flow separation on the small-scale model and is re-
lated to a low Reynolds number effect. It is also interesting that the slopes of pitching-
moment curves for both the full-scale and 1/5-scale models agree reasonably well, but
large differences exist between the angles of attack for zero pitching moments. The dif-
ferences could not be explained in Ref. 21.

These resu '.ts indicate that there always exist some uncertainty when conducting
small-scile tests whether the results are valid or not. The situation gets even worse if
parts like tubular landing skids are involed whose parts are slightly supercritical in
flight. Needless to say that the influences of various excrescences such as window and
door seals, door handles, leakage or nonflush doors cannot be simulated in small-scale
tests but have to be estimated.

Several small-scale fuselage models of the BO 105 helicopter were tested in wind
tunnels (Refs. 22 to 25). Fig. 16 shows the baseline confiquration and several components
of a 1/4-scale model. The components of the aft fuselage section (afterbody and engine
compartment cowling) include production, extended and blunted aftbody, as well as pro-
duction, engine exhaust off, extended and blunted angine cowling. In addition, the ef-
fects of a main rotor cap, of guide vanes, of vortex generators, of numerous spollers
and of a splitter plate were investigated.

The effect of varying the basic BO 105 model Reynolds number on model drag is also
shown in Fig. 16. The model D/g is constant at g settings above 250 kp/m?. The other
force components were also found to be uneffected by Reynolds number veriations above
that dynamic pressure. Trip strips of grit were placed on the model nose section, pylon
and tails to further increase the effective Reynolds number of the model. The surface of
the landing gear extension was roughened with 0.35 mm grid to force transition since
even at maximum turnel g the model gear Reynolds number is subaritical, whereas the full- ‘
scale Reynolds number is supercritical. The trip strip caused a reduction in gear drag.

However, since the increase in skin friction drag due to the grit made the results q
questionable, a final landing-gear Reynolds number correction was conducted by comparing

the test results with drag estimates from the Ref. 26 drag analysis. The grid results

were used to define the variation of this correction with angle of attack.

As can be seen from curve (4) of Fig. 17 the BO 105 airframe minimum drag occurs
at +5°, This positive minimum drag angle permits the development of a zero drag spoiler
at cruise conditions of about -7° fuselage pitch angle. Fig. 17 also shows that landing
gear and hubs produce a drag force of 2/3 of the base (curve 1) at cruise conditions.

The effect of modyfing the afterbody contour is demonstrated by curve No. 5. At
cruise conditions, the aircraft parasite drag is reduced by about 0.24 m?. It should be
mentioned that no attempt was made to optimize the extended afterbody configuration.

Adding a rotor cap caused an increase in the totai aircraft drag as illustrated
by curve No. 6. ,

The test also showed that the fuselage produced a relatively high download at
cruise conditions (Fig. 18). This is a common problem of helicopters because of the ne-
gative pitch angle of the fuselage in forward flight. To prevent this undesirable down-
load a spoiler was proposed at the afterbody the geometry and positioning of which was
optimized during these tests. Details of the optimized spoiler-configuration lift and !
drag characteristics are presented as a function of model pitch angle in Fig. 18. In-
ltsllation of the spoiler shifted the fuselage zero lift angle of attack from +4° to
-4~. A corresponding shift in the airframe minimum drag angle of attack is also shown
due to a reduction in induced drag at negative attitudes and an increase in drag at po-
sitive angles of attack. At cruise conditions, the induced drag reduction is apparently
equal to the spoiler parasite drag, resulting in no net spoiler drag penalty.
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Thus, the drag breakdown of Fig. 17 at cruise conditions is valid with or with- j:*?
out spoiler. In addition to the parasite drag area of Fig. 17 the following items which
have been estimated contribute to the total parasite drag at cruise conditions

Component Af, m?
Blade Shank Drag 0.047
Protuberances 0.047
Roughness and Leakage 0.055
Momentum Drag 0.046

total 0.195

On the basis of these small-scale tests and these estimates, the total parasite
drag polar of the BO 105 was composed and was used in performance calculations. The
theoretical results were compared with flight measurements (Fig.l). Since the agree-
ment between both results is good, it is assumed that the parasite drag area of the

BO 105 has been estimated fairly accurately.

6. CONCLUDING REMARKS

The discussion of the present paper has summarized the tools that are available
to the designer to estimate the drag of a helicopter. It also revealed the problems which
are associated with an accurate measurement of the drag of a helicopter. The need for
comparative measurement between small-scale and full-scale models became evident. As the
aerodynamic cleanliness of helicopters will become more and more important in the future
also more wind tunnel tests will be conducted. Thus, the question of buillding special
test facilities for V/STOL models will have to be reconsidered.
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AIRCRAFT DRAG PREDICTION FOR PROJECT APPRAISAL AND PERFORMANCE ESTIMATION

presented by ‘ '/

§. F. J. Butler, M.Sr.,

Chairman, UK Ministry - Industry Drag Analysis Panel (MIDAP),
Royal Aircraft Establishment, Farnborough, Hants., England

SUMMARY

The principal stages in aircraft feasibility study and design development are considered, leading
to the specification of desirable characteristics of aircraft drag prediction models. The contributions
to drag modelling to be expected from research are reviewed, together with the impact of computerised
design selection and mission analysis methods.

An assessment of the relative importance of different components and sources of drag introduces
surveys, based on contributions by UK specialists, which examine the present state of the art of predic-
tion for specific classes of aircraft and for particular aspects of drag. The main problems involved in
executing and analysing model and aircraft tests are also discussed in the drag context. An Appendix
outlines the role of the Engineering Sciences Data Unit in the collection, analysis and dissemination of
data suitable for direct use in practical design methods.

This review is presented on behalf of MIDAP and represents a collective effort by the members of
this panel, rather than the official view of SBAC and RAE.

RESUME

Dans une considération des pas principaux d'une étude de practicabilité et de dévelopment d'un
projet, on cherche une specification des particularités desirées que possddent des maquettes dont on s'en
sert pour les études aériennes de prédiction de trainée. On examine les contributions 3 la représenta-
tion de la trainée qu'on attend des travaux de recherche ainsi que les résultats sur des choix de projets
et des méthodes d'analyse de mission en se servant d'un ordinateur.

Une évaluation des importances relatives des composantes différentes de la trainée et des sources
de la trainée aux avions comporte des contributions par des specialistes anglais qui ont examiné la
connaissance actuelle de prédiction pour des classes d'avions prescrites ainsi que des aspects
particulieérs de la trainée. On discute du point de vue de la trainée les probl2mes principaux necessités
par 1'examination et 1'analyse avec des maquettes et avec des avions. On montre dans une annexe le réle
de Engineering Sciences Data Unit pour la collection, pour 1'analyse et pour la propogation de données
susceptibles d'&tre utilisées de fagon directe pour des méthodes d'étude pratique.

Cette &tude vous arrive grice 2 une enquéte collective poursuivie par des membres du groupe MIDAP.
Elle ne comporte pas nécessairement 1'avis officiel du SBAC et du RAE.
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1 INTRODUCTION é
"/;z_/

Theoretical and experimental research advances in aeronautical science, and analyses of the exten-
sive R & D undertaken in support of specific projects, can lose much of their effectiveness unless the
results are available in a form which encourages direct use in the design and improvement of aircraft.

In considering the particular needs ot drag prediction modeis, we note there are three distinct stages
(section 2.1) at which such models are required in the aircraft project feasibility and design process,
involving quite different levels of sophistication and accuracy. One important direct use of an aircraft
drag prediction model is in the implementation of the Figure-of-Merit concept (section 2.2). 1In a more
general consideration of drag prediction models, it is necessary to note the growing influence which will
be exerted by computerised design selection and mission analysis methods (section 2.3). Although
theoretical design methods, validated by experiment, are expected to play an increasing part in a com-
prehcnsive drag synthesis framework, there will be a continuing need for maximum advantage to be taken of
the results of model and full-scale R & D in support of specific projects, implying the desirability of
elevated standards of test design, execution and analysis (sections 4 and 5).

Aircraft drag breakdowns for selected aircraft (section 3.1) indicate the typical contributions
associated with different components and fundamental causes. These are complemented by specialist con-
tributions which assess the present capability for reliable drag prediction for different classes of air-
craft (sections 3,2 to 3.6) and for particular aspects of design (sections 3.7 to 3.9). An Appendix con-
siders the part played by the Engineering Sciences Data Unit and by MIDAP in the provision of data of
direct use in practical aircraft drag prediction methods.

2 AIRCRAFT DRAG MODELLING

2,1 Three stages in aircraft drag prediction

Estimates of aircraft drag, as well as of other key functions such as weight, performance, cost,
noise etc., are required at three distinct levels! of sophistication and reliability. In the preliminary
feasibility stage, forecast estimates of the drag are needed, corresponding to aircraft outline schemes
generally lacking in design detail. The second stage follows project definition and selection of the
main design concepts; the detailed design is determined progressively and information of direct value
for drag prediction modelling becomes available from specific project research investigations. At the
third stage, following initial prototype performance tests, drag ai'd performance characteristics have to
be predicted for production versions of the aircraft.

At the preliminary feasibility stage, in response to an apparent market opportunity or an outline
staff target for a military aircraft, quick approximate forecast estimates are needed. Nevertheless, the
assumed drag and performance characteristics of alternative solutions must be realistic and soundly-based,
not only in themselves but also in comparison with current aircraft, their probable derivatives and new
aircraft types anticipated from other manufacturers. Such forecasts are usually based on the extrapola-
tion of existing experience, takiang due account of desirable R & D advances capable of implementation
within the assumed time scale and R & D budget. Elementary statistical analyses, based on existing air-
craft of similar layout and guided by theoretical considerations of the main factors on which aircraft
drag depends can form the basis for an acceptable forecasting procedure2, This approach is essentially
conservative, however, and can easily lead to the perpetuation of low design and manufacturing standards.
Further, it is of little help when attention is turned to revolutionary concepts, such as Concorde,
Harrier or Multi-Role Combat Aircraft. Even in the early feasibility stages, there is considerable merit
in the adoption of a more systematic and detailed approach to drag prediction, provided always that the
overall results are subjected to careful scrutiny to ensure realism. Such approaches should bear in mind
both the procedure which is likely to be adopted in the later stages of the aircraft development process
and the possible advantages of computerised design selection and mission appraisal techniques now becoming
commonplace.,

It is certainly not sufficient merely to estimate the drag and other characteristics of a particular
design. One also needs to know what might be possible in the way of drag reduction at the drag-dominated
design points. The latter will include not only take-off/climb and cruise but also sustained and
transient manoeuvre conditions, particularly for militar aircraft. This leads to a need for means of
predicting the theoretical lower bounds of drag. Such considerations lead naturally to the concept of a
minimum-drag streamlined aircraft, on which can be based a Figure-of-Merit3d (see section 2.2), relating
achieved drag levels to theoretical minima. Whatever the approach adopted in this first stage, the
objective must be to arrive at initial estimates which set a demanding, though feasible, target for the
design team and reflect an acceptable compromise between technical, operational and economic considera-
tions. Contingency limits should be chosen at this point which allow some room for overall design com-—
promise, without rendering the exercise meaningless; they should be consistent with the assumed technical
competence of the manufacturing organisation and project time scale, as well as not being over optimistic.

Let us pass now to the second stage, by which time the main design features have been chosen by the
aid of detailed engineering studies and preliminary model experiments, and the scope for design modifica-
tions has been narrowed considerably. A process of continuous technical validation will commence,
involving intensive theoretical and experimental R & D on selected main aspects, using models generally
representative of the proposed design. The main factors contributing to aircraft drag, including manu-
facturing standards and excrescences, should now come under scrutiny and form the subject of studies and
calculations., In this stage, it is essential in practice to prepare the drag estimates by a process
involving their synthesis, rather than a simple summation, necessitating clear definition of the deriva-
tions or assumptions for all the important elements, with care taken to avoid significant omissions and
double accounting. It will also be necessary to repeatedly update and review the drag estimates as
improved information becomes available, and to take any necessary corrective action. The preparation of
detailed drag estimates also facilitates the stipulation and maintenance of design sub-targets for the
main aspects, consistent with the main target. In fact, the ability of design organisations to meet the
overall target depends essentially on the technical management being able to control and monitor the
entire R & D process by means of well-judged subsidiary targets. The estimates should therefore
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incorporate the considered view of the design team on its ability to detect and limit drag growth,

involving a detached assessment of the general design and manufacturing standards which can be achieved

and justified on economic grounds. ¢v —‘l
As the detalled R & D process leads to a determlnate alrcraft de51gn which represents a near-
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specialised. There is progressive elimination of areas of doubt, with the replacement of assumptions

and estimates by predictions supported by experimental data. Throughout this development period, it is
obviously necessary to provide a format for the drag prediction model which can readily accommodate the
constantly-changing sources of drag data which become available. The precise composition of the drag
(and other) predictive models will need to alter with the accomplishment of the various R & D tasks; the
adequacy of the model must therefore be kept under continual review. Before the first flight of the
prototype, the spread of the bounds of the drag estimates should have been reduced to that associated
with residual uncertainties in the interpretation or extrapolation of test data on specific experimental
models, and second-order doubts about the application of prediction methods.

Once reliable prototype flight test data is availawvle, and the necessary, often controversial,
interpretations have been undertaken to disentangle thrust from drag, there comes the moment of truth
when, as it is to be hoped, the inferred drag lies within the bounds of the final estimates, preferably
near to the lower bounds. Such are the problems of flight thrust determination at prototype stage (see
section 5) that this is rather an idealised view of what is likely to transpire. In practice, the main
emphasis will be on overall comparisons of (thrust - drag) with expectation. Drag analysis may be
attempted, but usually only when improvements are found to be necessary, in which case a hurried
diagnostic approach under pressure can be expected (see section 5). There may well arise at this point
some critical arguments as to whether an apparent deficiency should be debited to engine performance,
rather than excess aircraft drag.

From this point onwards, subject to the completion and proving of any unforeseen design modifica-
tion which are necessary, we enter the third stage in which the guaranteed performance for the production
aircraft in its main configurations over a full range of flight environments has to be estimated, mainly
by analysis and interpretation of the prototype test performance. A new predictive model will be
involved, calibrated by reference to the measured prototype performance at selected datum conditions.
Some of the more elusive elements of the drag estimates can be checked directly by flight test at this
stage (for example, external stores and certain types of excrescences). The tolerances in the estimates
will now be dictated by the degree of confidence of the aircraft and engine manufacturers in the
engineering quality control standards which can be maintained, by the scale of the differences between
the prototype and the production aircraft, and by a critical assessment of the accuracy of the flight
test data.

2.2 The figure-of-merit concept

One principal use for a good drag estimation method is in the provision of fair and meaningful com-
parisons of the overall cruising efficiency of different aircraft designs. Haines® has argued the merits
of using the parameters:-
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where C. = Cf(l + 8)/(mA) 1is a theoretical allowance for vortex drag coefficient; CD is the
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estimated profile drag coefficient (skin friction + form) for a streamlined aircraft with fully-turbulent
boundary layers, and S is the estimated flat-plate skin-friction drag assuming fully-turbulent
F
boundary layers, both preferably evaluated at the design Mach number and lift coefficient. The choice
between E . and EF is finely balanced, but E . Tepresents a more realistic choice since it relates

achieved drag with that theoretically possible with a fully-streamlined aircraft (i.e, with minimal air-
craft flow separations) of the same general shape. It is emphasised that significant problems attach to
the provision of the minimum profile drag estimate for a streamlined sweptwing aircraft at elevated Mach
numbers. Also, it should be borne in mind that the datum is nominally associated with fully-turbulent
flow, which may be inappropriate for the design under consideration. Nevertheless, this concept is con-
venient and practical,

In order to avoid superficiality, its use should be accompaniel by a critical assessment of the
sources of drag. We recall that it was demonstrated% that values of Ept of 1.25 were rarely bettered,

whilst values in excess of 1.50 could occur on similar designs. Of course, if a design team is merely
prepared to settle for an 'acceptable' value of, say, 1.25, for other than economic reasons, then this
could lead to an undecirably-complacent attitude. There is little doubt that there is ctill cousidergble
scope for improvement in drag standards, but this will only happen if designers challenge all avoidable
sources of drag, relative to the fully-streamlined datum, and if 'ow drag levels are stipulated as a
major design aim throughout. Further, it is of course possible t: achieve significant areas of laminar
Flow, pussibly through boundary=layer control, Tu additicu, The.e i3 & weed to distiugoish between
average in-service standard and factory-fresh condition.

2.3 General cemarks on drag prediction models @;
——— — a8
An essential tool for each design group is a methodology which accounts for the known drag of :L
existing aircraft designs., This will need to be more sophisticated and detailed than a simple figure-of- S

merit assessment method for each new design, though such an approach will probably form an important
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element in the early selection process. From consideration of the second stage of aircraft drag predic-
tion, it can be seen that a synthesis approach is to be expected, based jointly on analysis and on
research results.

Over a period of years, for established categories of aircraft and engines there will accumulate a
considerable body of data from ad hoc model and aircraft tests of varying quality. It is common for the
flight test data to be analysed by the drag polar methodl, within limits set mainly by thrust determina-
tion considerations (see section 5), the deduced drag being attributed to various causes. A combination
of experience and intuition, supported by theory and model-test data, will be used in this interpretative
process. Clearly, there is considerable scope for drawing the wrong inferences, and the procedure is
necessarily rather subjective. The resulting design charts need to be updated to reflect possible design
advances and it is difficult to assign accuracy limits with any degree of confidence. Even with closely-
related members of a given aircraft family, significant predictive errors are found to occur’', illustrat-
ing the inherent dangers of an essentially empirical analysis process which is not accompanied by adequate
physical understanding.

A prediction method obviously needs to be anchored by reference to selected flight test data, since
only in this way can we be sure that the overall aircraft characteristics have been taken into considera-
tion and also since certain factors, such as roughness and some types of excrescence, cannot be fully
represented in model tests. However, it is not possible to achieve a progressive drag breakdown by com-
ponents, as in model testing, and there will be undesirable restrictions in flight test on the ranges of
important parameters (see section 5). Even if the resulting drag model is basically sound, it seems
questionable whether prototype flight drag data is ever sufficiently accurate and comprehensive enough to
validate the me-el for wider use. It is therefore argued that aircraft drag prediction methods should not
be constructed essentially around empirical analyses of flight data. Of course, appreciable difficulties
are involved in the interpretation and extrapolation of model-scale tests to full-scale conditions (see
section 4), so that strong objections can also be raised against a method mainly based on empirical
analysis of ad hoc model tests. Admittedly, by a judicious combination of progressive ad hoc model tests
and specialist experimental investigations, together with selected flight test data on the same configura-
tions, an improved empirical method can undoubtedly be devised of considerable practical value? in the
design of evolutionary types of aircraft.

Nevertheless, a clear distinction must be drawn between basically-empirical approaches and those in
which model and flight test data are interpreted within a comprehensive and logical synthesis framework,
essentially founded on theory and supported by carefully-designed and executed aimed research in key
areas. It should be stressed that the R & D work undertaken in support of specific projects could play
a much greater part than it does at present in the improvement and validation of theoretical design
methods, but only if such tests are designed and executed with this object in mind (see sections 4 and 5).
It is also tempting to suggest that such a disciplined and critical approach to project-oriented R & D
would lead to a reduction in the duplication and repetition which often seems to occur.

Considering how better predictive methods should be developed, we can first reject as no longer
appropriate a simple classification of aircraft drag into components independent of, and dependent on,
lift. In view of the considerable advances of aerodynamic theory, one is encouraged to examine the
possibility of a more enlightened approach in which the synthesis of drag is achieved by compounding
elements arising from different basic causes, associated more directly with the nature of the fluid
dynamics. Providing that adequate understanding and quantitative methods are available to allow reliable
and consistent modelling of all the significant contributions to an acceptable level of reliability, this
would constitute a practical method. Even if, as at present, some elements can only be estimated to a
limited accuracy, perhaps in a semi-empirical way, there is much in favour of guiding future research
towards this aim and tabling a declaration of future intent to develop a complete drag estimation method,
secured within a consistent theoretical framework.

A convenient basic breakdown of drag from the fluid mechanics standpoint is set out in Fig.l.
Viscous drag is manifested by a reduction in streamwise momentum in the wake, whereas vortex drag is
associated with transverse romponents of momentum in the wake flow. In principle, then, it is possible to
differentiate between these components by means of detailed studies of the wake behind a model. As far as
wave drag is concerned, on physical grounds this is most satisfactorily associated with entropy rise
through the shock wave, but this is mot particularly helpful in practice.. Neglecting form drag and
assuming small lift forces, wave drag can appropriately be identified with pressure drag, a convenient
and common assumption in the analysis of experiments. Linear theory offers a neat discrimination in that
wave drag appears as streamwise momentum convected laterally, whereas vortex drag is energy convected
downstream.

— tangential friction drag
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Fig.1 Components of aircraft drag




Ve

For an approach based on fundamental origins of drag to succeed, it is most important to be able to -
differentiate between the different sources of drag in experimental research. In this connection, we 6}«-?
wish to draw the attention of the Conference to current fundamental research at RAE, concerned with study =
of the composition of the wakes behind selected basic shapes at low freestream speeds, which aims to
examine the validity and practicality of identification by wake analysis of viscous and vortex drag. The
potential importance of this technique is not thought likely to lie in the routine analysis of specific
aircraft model wakes, but rather in the prospect of improved understanding of selected problems (such as
the threedimensional drag of non-planar wings under high-lift conditions).

As regards theoretical methods for aircraft design, the inviscid compressible flow about generalised
streamlined wing-body combinations for well-attached flows can already be calculated and allowance made for
viscosity effects by boundary-layer growth calculations., There seem to be excellent prospects of extend-
ing threedimensional wing-design methods to cope with the shockfree mixed flows appropriate to super-
critical wings. Further, at least to a first approximation, allowance can be made for the presence of
engine nacelles and probably the interaction effects, on the assumption of a well-optimised installation
avoiding significant flow separations. Therefore, we are certainly close to the position where realistic
low targets can be set for profile drag, appropriate to the datum streamlined sweptwing transport aircraft
involved in the figure-of-merit approach, even though we cannot expect to be able to deal in similar con-
fidence with adverse engine installation and excrescence effects, two of the main causes® of supplementary
drag for such aircraft.

Unfortunately, it seems fairly clear (see section 3) that a comprehensive general theoretical drag
prediction framework suitable for all the main current classes of military and civil aircraft is
certainly not likely to be feasible for some time to come. For example, zero-lift wave drag for non-
slender military aircraft, vortex drag for slender-wing aircraft and store installation drag for military
aircraft seem likely to prove intransigent. Engine installation effects, when severe, are likely to prove
just as difficult to estimate. The prediction of transition position for the full-scale aircraft is a
particularly important and difficult problem. For sweptwing subsonic transport aircraft, even, drag
prediction in the high-lift configuration is not likely to yield to theoretical attack easily, and there
is no immediate prospect of general drag prediction methods for cruise at elevated lift coefficients with
substantial flow separations.

2.4  Recommended future procedure for drag prediction models

It seems, then, that an improved framework should anticipate the progressive introduction of
theoretical methods. For the foreseeable future, it is reasonable to expect that drag estimates will be
built up by a process of synthesis®, involving the summation of the estimated contributions of individual
elements arising from the different causes of drag. In general, there will be significant interference
between the flow fields of the various aircraft components, and the way in which these are accounted for
needs careful consideration. 1n this context, interference drag is defined as t<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>