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CHAPTER A.  INVESTIGATION OF A LAMINAR FLAT PLATE WITH SUCTION THROUGH MANY 
FINE SLOTS WITH AND WITHOUT WEAK INCIDENT SHOCK WAVES 

a.  LOW DRAG BOUNDARY LAYER SUCTION EXPERIMENTS ON A FLAT PLATE AT 
MACH NUMBERS 2.5» 3.0 AND 3.5 

E. E. Groth 

(A) Acknowledeements 
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ot Dr. W. Pfenninger, Director of the Norair Boundary Layer Research Group. The 
model was designed by C. G. Stall and built by the Boundary Layer Laboratory. 
J. Wada and R. N. Worth participated in the design work and the wind tunnel 
tests. Most of the design calculations and data reduction, all boundary layer 
calculations on the IBM 7090, and the final plots of the report were done by 
J. D. Ryan. 

The project engineers, J. H. Jones and S. R. Pate, and the per- 
sonnel of Tunnel A of ARO, Inc., AEDC, deserve special acknowledgement for 
their efforts in executing the tests and the basic data reduction. 

(B) Summary 

Low drag boundary layer suction experiments on a 41-inch long 
flat plate were conducted at the 40- by 40-inch continuous supersonic Tunnel 
A of the Arnold Engineering Development Center at Tullahoma, Tennessee.  The 
model was equipped with 76 closely spaced, fine slots arranged in eight suc- 
tion chambers.  Full length laminar flow was obtained at M = 2.5, 3.0 and 3.5 
up to the highest possible tunnel pressures, resulting in length Reynolds 
numbers of 21.8 x 10°, 25.7 x 1Ü6 and 21.4 x 106, respecti"nly.  The measured 
drag coefficients (sum of wake and suction drag) were of the order of 26 to 
43 percent of the turbulent friction drag at the same Reynolds and Mach numbers. 

The results of calculations of the laminar boundary layer 
development along the plate at typical suction distributions are compared 
with the test data. 

(C) Notation 

b^       average span of slots in k^ chamber 

c reference chord Length, 'ocation of boundary layer 
rake (c = 40.23 inches) 

^■L)s suction drag coefficient    ^ 
i  referred to freestroam 

c^t       total drag coefficient      .  dynamic pressure, unit 
span, and reference chord 

J 
L'D,,       wake drag coefficient w 

Li 1 fiction drag coefficient 
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(C) Notation (Continued) 

Cy. s     K    = suction weight flow coefficient 
k       P^ g U,, bk c 

M Mach number 

p static pressure 

q dynamic pressure 

R Reynolds- number 

U c 
R s= 2  = reference Reynolds number 
c u 

T temperature 

u velocity inside boundary layer 

U potential flow velocity 

U^ suction weight flow through k  chamber 

x coordinate along plate 

y coordinate perpendicular to plate 

6 boundary layer displacement thickness 

9 boundary layer momentum thickness 

^ viscosity 

kinematic viscosity 

P       density 

Subscripts 

b        suction box 

c       chordwise station c 

k       running parameter, k ■ 1,.*.. .8 

n       measuring nozxle 

s       suction chamber inside model 

w       wall condition 
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(C) Notation (Continued) 

x       chordwise station x 

o       stagnation 

00       freestream 

(D) Introduction 

Earlier boundary layer suction experiments on a two-dimensional 
surface at supersonic speeds were conducted In 1957 on a 20-lnch chord 5-percent 
thick biconvex wing at Mach numbers 2,23 and 2.77 and at a length Reynolds 
number of 12.5 x 10" (Reference 98). The present program extends these results 
to higher Mach and Reynolds numbers and to an airfoil section which does not 
produce a favorable pressure gradient along Its chord. 

(E) Description of the Model 

The flat plate suction model had a chord of 41 Inches and a 
span of 40 Inches. The leading edge thickness was .007 Inch; the bevel angle 
increased from 11.5 degrees over the forward 1.3 Inches to 15.8 degrees between 
stations 1.3 and 9.4 inches, resulting in a total thickness of the model of 
2.50 Inches. 

Suction was applied through 76 slots located between chordwise 
stations 2.0 and 39.9 inches. The slot width increased from .004 inch in front 
to .005 inch in the rear, the slot spacing from 0.42 inch in front to 0.55 Inch 
in the rear. The span of the first slot was 14.6 Inches. Allowing a wedge 
angle of 8.3 degrees for the spread of turbulent disturbances from the end 
points of the slots reduced the slot span to a value of 3.61 inches for the 
last slot. The slots were cut through a .020-Inch thick upper skin which was 
bonded together with a thicker lower skin. The latter contained rows of 
.20-lnch deep holes placed .25 inch apart and varying in diameter from .042 
to .062 inch. The sucked air was collected in eight suction chambers and 
ducted from there through tubes of 0.93 inch i.d. through the tunnel wall to 
eight metering boxes, where the suction quantities could be adjusted manually 
and measured through calibrated nozzles. The sucked air was removed through 
a 12-inch diameter pipe of a pressure of .05 to .10 psia, provided by ARC, Inc. 

The model was instrumented to measure surface pressures, suction 
chamber pressures and temperatures, metering box pressures and temperatures and 
metering nozzle pressures. A rake of ten total head probes was mounted at the 
rear of the model; it could be moved between stations 23.5 and 40.5 inches to 
measure the boundary layer profile at various chordwise stations. The drive 
mechanism for the rake was provided by ARO, Inc. 

A list of the pertinent slot dimensions is presented in Table 
I, A sketch and photographs of the model are shown in Figures 1 to 5. 
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(F) Measurements and Data Reduction 

The tests were conducted at AEDC Tunnel A of the von Karsian 
Gas Dynamics Facility of ARO, Inc.» Tullahoma, Tennessee, with J. H. Jones 
and S. R. Pate as project engineer (Refeience 99). At a given Mach number 
and tunnel pressure the suction quantities through the eight cHubers were 
varied and the changes of the boundary layer profile at the rake location 
observed. The pressure and temperature data were recorded for typical cases. 

The equations for the data reduction are the same ones used 
in the previous supersonic suction experiments and are summarized as follows 
(most of the symbols are defined in the Notation). 

The suction coefficient for the k  chamber is determined by 

W.        Mn (1 + .2M/)3 J dk Pb ITT 
C^ IS  -ak  k 4      kli 

9a  g U„ bk c     M,o (1 + .2 Mnk
2)3 bk c Po   j/ Tbk 

where MJJ is the Mach number inside the metering nosale of diameter dk and 

defined by the suction box pressure p^ and the nozzle pressure pn 

r pb 
^k2 *  5 L (r^)'286 -1J 

Pnk 
t*Vi 

bjt is the average span of the slots in the k  chamber; the values are listed 

in Table I.    The reference chord length Is identical with the rake location; 
in most cases c «■ 40.23 inches. 

The suction drag coefficient per unit span is given by 

D M., 2 T-. 

where Msk*" is determimd by the pressure in the suction chamber, ps. , 

the wake drag coefficient per unit span is evaluated from the formula 

c - A. . UjL &H + 2 - M^ 
^  <U c   c  VU/ 
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(F) Measurements and Data Reduction (Continued) 

where 9C is the momentum thickness at the rake location 

6 
P u 9 „ f JUL (i . JL) dy c  J  Pc "c    V 

o 

and (Reference 123) 

2 2       2 
H + 2 - M » 3.145 - ,28 Mj. - .30 M^ 

Although the flat plate has constant static pressure along its surface, small 
local changes occur due to the shock waves from the individual slots, resulting 
in values of Uc ^ Ü.B. The total drag is defined as the sum of wake and suction 
drag, 

cDt " CIV + ^s« 

(G) Results of the Drag and Suction Measurements 

The basic test results are presented in Figures 6 to 9  where 
the wake, suction and total drag coefficients are plotted versus total suction 
coefficient for M ■ 2.0 and 2.5 and the Reynolds numbers Investigated. Each 
total drag curve has a minimum at a certain suction coefficient. These minimum 
total drag and optimum suction coefficients are plotted in Figures 10 and 11 
for the two Mach numbers, 3.0 and 3.5. Included are the theoretical values of 
a laminar end turbulent plate. The laminar value was taken from the boundary 
layer calculation for an insulated wall at a stagnation temperature of 1000F. 
The turbulent curve follows van Drtest's theory (Eqs 11-29 and Figure F-111 
of Ref^ence 100), 

Full laminar flow was maintained at M » 3.0 and 3.5 up to the 
maximum tunnel pressures available, resulting In maximum length Reynolds num- 
bers of 25.7 x 105 at M ■ 3.0 and 21.4 x 106 at M ■ 3.5. The following mini- 
mum drag and optimum suction coefficients were obtained at the highest 
Reynolds numbers: 

H, - 3.0, Rc « 25.7 x 10
6, CDt - 4.50 x 10"

4, Cy    - 2.10 x 10"4 

M» - 3.5, Rc • 21.4 x 10
6, CDt - 5.65 x 10'

4, CWt - 2.70 x 10"
4 

The test points in Figures 10 and 11 indicate that no Increase in suction 
quantities was observed at the high Reynolds numbers due to increased exter- 
nal disturbances at the higher tunnel pressures so that higher length Reynolds 
numbers with full laminar flow could have been provided if higher tunnel pres- 
sures had been available. The measured minimum total drag coefficients of the 
suction plate are between 1.60 and 1.77 times the laminar plate friction coef- 
ficients and between 0.37 and 0.28 times the turbulent plate friction 
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(G) Results of the Drag and Suction Measurements (Continued) 

coefficients at H = 3.0} the corresponding data at M = 3.5 are 
Crv '-'  2.05 x Cf,  and Cn  - 0.40 x Cf 
"t '■lam     ut '■turb 

The slightly higher drag coefficients at M = 3.5 are partially 
caused by the higher suction requirements at the higher Mach number, A plot 

of (Cy '/rRc)ODt versus Rc is shown in Figure  12. About 25 percent higher 

suction coefficients are required at M =3.5 than at M = 3.0. Typical experi- 
mental suction distributions are presented in Figure 13. The low suction 
coefficient through chamber 7 at M = 3.0 was caused accldently by a blockage 
of the suction tube inside the model.  Slightly higher suction in the adjacent 
chambers compensated for the loss in chamber 7, The continuous suction Inflow 

P  v 
velocity coefficient  /R for equivalent area suction Is related to the 

0  U    c     n 
o    -n 

suction coefficient Cw, for k- chamber by the equation 

Cw,. = 

nw vo   Ak 

\m 
■j" v° ,•„ tor    0    y      , Rc di 

0       V w vo 

'\ lJ^ 

k   = . U«.   c 

where ü^ is the chordwise length of the k  suction chamber. Typical values 

'R- are of the order of 1.5, or 

.003 

6 n 

for Reynolds numbers between 20 and 25 x 10 .  Because of —ü- - .3 and 
o 

I! - 2000 ft/s at M., = 3.0 to 3.5, the continuous inflow velocity v is 

about 2 £t/s. 

(11) Discussion of Test Results and Comparison with Theory 

The test results will be discussed in connection with theoretical 
data obtained from a calculation of the laminar boundary layer development for 
an insulated flat plate at a stagnation temperature of 1000F and for suction 
distributions similar to the experimental ones. The method of computation 
originates from Reference 45.  Two suction distributions with total coefficients 
CWC >: X: = 1.160 and 1.32B were selected. They are plotted in Figure 14 as 

-2- R vs x.  Included in this figure is the development of the Reynolds 

number based on the local momentum thickness of the boundary layer plotted in 
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(H) Discussion of Test Results and Comparison with Theory 

(Continued) 

Rd 
the form vs x for the two suction distributions. The calculations were 

/Re 
performed for both suction distributions at M = 3,0 and 3.5. The variation 
of Rg with Mach number Is so small that the plotted curves are valid for both 

Mach numbers. For a flat plate the wake drag Is related to RQ by the formula 

The variation of CD ./Rc with the suction coefficient Cy 
/RC Is plotted In 

Figure 15; the theoretical curve fairs Into the value Cp  ^Rc = 1.27 at 

Cy =0. This curve can be compared with experimental data In the following 

way: wake drag coefficients C- and total suction coefficients Cy at a 
^w t 

given Reynolds number R are taken from the cvrves in Figures 6  to  9, and 

each point selected produces a test point (C^ ^Rg, Cwt /Rc) In Figure 15, 

The points included in Figure 15 were taken at the optimum suction coefficient 
(Cy )  „ for the five Reynolds numbers tested at M = 3.0 and the three Reynolds 

"t opt 
numbers at M = 3.5. Since the boundary layer velocity profile at the trailing 
edge for the case of optimum suction is usually slightly distorted toward a 
turbulent shape, additional points for M * 3.0 and a total suction coefficient 
which is 30 percent nigher than optimum suction are also included in Figure 
15.  The test points fall into a band limited by the lines 1.45 and 1.75 
times the theoretical curve; the experimental data at M » 3.0 are about 50 
percent higher than the theoretical values, those at M » 3.5 ebnut  75 percent 
higher; no difference was observed between the data for (%t)  t and 1.3 

(C'Vopf 

A possible explanation for this high wake drag may be found 
from one additonal test point which was obtained by moving the take to the 
end of the seventh suction chamber, station x « 31.4.  If x = 31.4 is intro- 
duced as the new chord length and all suction and drag coefficients are made 
nondinensional by this new value, one point occurs in Figure 15 which is only 
14 percent higher than the theoretical value. This single point Is also 
Included in Figure  6. Additional test points at chordwise stations ahead 
of the trailing edge were not obtained because of a failure of the rake drive 
mechanism and time limitations in the later part of the program.  If this 
test point is correct, it suggests the possibility that the high experimental 
wake drag coefficients are caused by a spanwise contamination of the laminar 
boundary layer from the adjacent turbulent sections. The last slot of 
chamber 8 had a span of 3.6 inches compared with 6.2 inches for the last slot 
of chamber 7. Since the turbulent boundary layer has a thickness of the 
order of one inch, it is possible that it interferes with the laminar layer 
(which «  only about 0,1 inch high), and this interaction would be more 
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(H) Discussion of Test Results and Comparison with Theory 
(Continued) 

severe at c = 40,2 than at x = 31.4, An increase of the suction area on the 
model was not possible because of the limited volume inside the model and the 
requirement to remove the sucked air at acceptable pressure losses. 

Since the one test point at station x = 31,4 was obtained at a 
total suction coefficient which seems to be close to optimum suction, the 
total drag must be close to tl.0. minimum drag. Therefore, the total drag 

-4 6 
coefficient CD = 4.98 x 10  at Rc = 14.0 x 10 can be compared with the 

minimum darg coefficients at M = 3.0 measured at c ~  40.23 Inches, as shown 
in Figure 16. Comparison with the laminar and turbulent plate friction 
coefficients results in GD = 1.45 (Cf)i  = .28 (Cf)turij» These values are 

considerably better than those measured at c = 40.2 inches. 

A comparison of the theoretical and experimental velocity pro- 
files is shown for the following ccnditis^r: 

Figure 17 Mo = 3.0, Rc = 25.7 x 10
6, c = 40.23 inches; 

Figure 18 Mo = 3.5, r<c = 21.4 x 10
6, c = 40.23 inches; 

Figure 19 M = 3.0, Rc = 18.0 x 10
6, c = 40.23 inches; 

Figure 20 M = 3.0, Rv = 14.0 x 10
6, x = 31.40 Inches. 

• *    The experimental velocity profiles are thicker than the theoretical by about 
the same ratio as the experimental wake drag coefficients are higher than their 
theoretical values, 

(I) Effect of Leading Edge Bluntness on Wake Drag 

Another reason for the discrepancy between the theoretical and 
experimental wake drag data consists in the fact that a theoretical flat plate 
has an infinitely thin leading edge while the experimental plate had a finite 
nose thickness (t = ,007 inch) and the lower surface was inclined by 11.5 
degrees, causing a certain amount of unsymmetry between the top and bottom 
surfaces. The effect of a blunt leading edge on the transition of a laminar 
boundary layer and its momentum loss has been discussed frequently (e.g., Refer- 
ence 101 in  102), The detached shock wave from the leading edge causes a con- 
siderable total head loss for the streamlines next to the surface and produces 
a momentum loss even in the absence of a viscous layer.  The order of magnitude 
of this effect can be estimated by the following analysis. 

It will be assumed that the plate has the shape of a half cylinder 
followed Dy a flat surface of constant thickness equal to the diameter t of the 
cylinder. The bevel angle will be neglected. The detached shock wave for a 
circular cylinder was computed in Reference 103 for U -  3.0. The stand-off dis- 
tance of the shock is equal to A = ,355 t.  Since the shock wave will gradually 
reduce to the Mach wave for ]]  = 3,0, the shape of the shock is approximated by 
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(I) Effect of Leading Edge Bluntness on Wake Drag (Continued) 

a hyperbola (also used in Reference 102) of the equation 

1 = 5.06 i/(l + .070 £ )2 - 1 
t      j/        t 

The shape of the model and shock wave are shown in Figure 21. 

The local slope cr of the shock wav6 permits the calculation 
of the total head loss through the shock wave as a function of M sin CT, 

Pt2 
K =  — 

Pt! 

where pt    is the total head aft of the shock, pt. = p = total head ahead of 

the shock. The variation of a and K along the height y/t are plotted In 
Figure 22. The momentum loss of the air through the shock wave can be 
computed, following a similar procedure described in Reference 104. The 
static pressure p« aft of the shock changes adiabatically till it finally 

reaches the undisturbed value po. The Mach number at infinity aft of the 

shock, M3, is defined by 

2   pt2 Y-l   K PQ V-l 0  t^) 
1 + .2 11/ = (—)~ = (—-)-r- = (1 + .2 M 2) ^T7 

3    Po   '     P.   ' 

The temperature at infinity is 

T T        III 111. 
T =  2  ,  2  K" Y = T . K" Y 
J 2 2 ' 

1 + .2 M3     1 + .2 M, 

since th-; total temperature remains constant through the shock. The velocity 
Un at irfinity is given by 

2       2 0     (^li)       Y-l 
V2 .2 113^ T3    (1 + .2 M ^ 1^ Y ^ - I  " "Y" 

U,2   .2 M^2 T^ .2 M 2 
1 .-O 

u,2      1   . Izi 
J2-1-—r(K  v -'>' 
Ui       .2 M 
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(I) Effect of Leading Edge Bluntness on Wake Drag (Continued) 

The momentum loss of the air-within an element of height d ^ is equal to 

0 u 2 (1 . i) d I 
en  ™   N       U        t 

o 

and the momentum loss between the height y = 0 and y = h is proportional 
to the integral 

h/t y 

1 (|) = j  (1 - -Tp-) d 1 t   J       U_    t 

The corresponding drag coefficient referred to freestream dynamic pressure 
and chord length c is equal to 

CD(h) = 2^1 (£). 

lJ3       h h The functions 1 - -— and I (—) are plotted vs — in Figure 23, 

The validity of this approach can be verified by checking some 
of the test results of Reference 101, which contains measurements of the lami- 
nar boundary layer on a flat plate with differe.t leading edge thicknesses at 
Mach number M = 3.05 and a chordwise station x -= 1,75 inches, 1^ = C.7/' x 10 , 
The measured wake drag coefficient, C^Ct), for a given leading edge thickness 
t should include, according to the above analysis, a contribution 

ACD = 2 ^ W = •368 | 

where !„,„„ = »IB^ is the asymptotic value of 1(7) shown in Figure  23, 
TT13X t 

Therefore, 

should be the wake drag coefficient extrapolated to zero leading edge thickness. 
The measured data, shown in Figure 7  of Reference 101, and the present cor- 
rections are listed below: 
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(I) Effect of Leading Edge Bluntness on Wake Drag (Continued) 

Leading edge thickness, t, 10  in. 0.3     5,7     11.7 

Measured wake drag coefficient, CD (t)      ,0018   ,0029   ,0042 

Drag correction, /\CD = '-j ^^ .0001   .0012   ,0024 

Drag coefficient at t = 0, .0017   .0017   .0018 

W0> = CDw(t) " ACD 

The extrapolated value of Cn (t=0) = ,0017 is slightly higher than the 

r theoretical value at the same Mach and Reynolds numbers, | C^(t=0) « .0014 
theor 

The contributions of the shock momentum loss in the wake drag of 
a suction plate can now be estimated. The total amount of sucked air represents 
a height hs of freestream air given by 

h_ = Cr,  c. s   «t 

The height hj,, of freestream air corresponding to the mass flow through the 

boundary layer at the rake location is equal to 

hb: = 5 . :- 

where ' is the total thickness of the boundary layer and -  the displacement 
thickness. Therefore, the momentum loss from the shock wave between the 
heights hs and hG + h^. is included in the wake drag analysis, or 

CDShock 
= CD (hs + hb.:) " CD (hs) 

The numerical values for a fev; test points at M = 3.0 are listed in the table 
shown on the following page. 

The momentum loss due to the detached shock wave, which is 
included in the wake drag evaluation of the measured boundary layer profile, 
amounts to about 10 percent of the wake drag coefficient for the examples 
selected.  This amount is rather low since a large portion of the air with 
the high momentum is sucked into the plate. 
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25.69 18.21 12.96 14.04 

2.374 2.184 2.580 2.280 

.00955 .00878 .01038 .0072 

.060 .080 .090 .060 

.027 .040 .044 .025 

.033 .040 .046 .035 

.416 .393 .438 .437 

.637 .638 .639 .812 

.221 .245 .201 .375 

2.101 2.740 3.718 2.582 

(I) Effect of Lgading Edge Dluntness on Wake Drag (Continued) 

Chord 40.23    40.23    40.23    31.4 

10"6 Rc 

104 C|?t 

bs (in) 

o (in) 

Ö" (in) 
hb/. (in) 

104 CD (hs) 

io4 cD (hs +hb, 

io4 cD 
shock 

104 CDw 

100 Dshock 10.52    8.94     5.41     14.52 

Dwake 

The chordwise development of hs(x) and h^^x) is plotted in 

Figure 24 for the case of the first example listed in the above table. hs(x) 

results from the measured suction distribution; hh^(x) was developed from 

a theoretical boundary layer calculation under conditions similar to the test 
case. Since the streamlines entering the outer edge of the boundary layer at 
any chordwise station x have a distance hs(x) + h^^x) from the centerline 

Pt2' ahead of the shock, the actual total head loss —=■ can be plotted vs x by 
ptl 

combining Figures 22 and 24, The result is shown in Figure 25-1, which also 

Pt? 
includes the local Nach number as a function of —=■ . The Mach number at the 

P , 

outer edge of the boundary layer decreases from the freestream value 3.0 near 
the trailing edge of the model to a value of 2,3 near the leading edge. This 
large variation along the chord and the velocity gradient of the external flow 
perpendicular to the flow direction make it quite obvious that the simple 
superposition of the effects of the flat plate boundary layer and the detached 
shock wave as described above can only be considered as a first approximation 
to the problem, 

(J) Conclusions 

Boundary layer suction experiments on a flat plate with 76 
suction slots provided the following results: 

(1) Full chord laminar flow was obtained up to the maximum 
tunnel pressuren at Mach numbers 3.0 and 3.5, resulting in maximum length 
Reynolds numbers of 25.7 x 106 at I! = 3.0 and 21.4 x IO6 at M = 3.5. 
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(J) Conclusions (Continued) 

(2) The total suction weight flow coefficients required were 

between 2 and 3 x 10" , 

(3) The measured mininium drag coefficients were between 28 
and 43 percent of the friction coefficients of a turbulent plate. 

(4) Comparison of the measured data with the results of 
theoretical boundary layer calculations shows that the measured boundary 
layer thicknesses and wake drag coefficients are about 40 to 80 percent 
larger than the theoretical data computed for the same total suction 
coefficients. 

(5) Two reasons for this discrepancy are discussed: 

(a) the possibility of a spanwise contamination of the 
laminar boundary layer in the center portion of the 
plate from the adjacent turbulent areas; 

(b) the effect of the detached shock wave from the 
blunt leading edge of the plate which is not included 
in the theoretical analysis. 

(K) Addendum—Additional Low Drag Boundary Layer Suction 
Experiments on a Flat Plate at Mach Numbers 2.5, 3.0, 
and 3.5 

The flat plate suction model which was tested during July 1961, 
at the AEDC Tunnel A was installed again in April 1962 for shock interaction 
measurements (Section II, Part 2, Chapter A-b). A few drag measurements were 
conducted before the shock generator was installed, they provided the follow- 
ing results: 

(1) In order to check the repeatability of the experimental 
data, a few points were recorded at similar conditions as in the original 
program. The drag coefficients agreed with the corresponding old data within 
a few percent (see the first four test points in Table  II). 

(2) Drag and suction measurements were conducted at M = 2,5 
and several Reynolds numbers. The wake, suction and total drag coefficients 
are plotted vs total suction coefficient in Figure 25-2 the resulting minimum 
total drag and optimum total suction coefficients are included in Figv.re25-5. 
Laminar flow was maintained up to the maximum tunnel pressure corresponding to 

a length Reynolds number of 21.8 x 10°. The minimum total drag coefficient was 
about 26 percent of the friction coefficient of a turbulent plate at Reynolds 

numbers around 20 x 10 . 

(3) More data were collected with the rake in further forward 
positions, xrake = 31.4 inches at the end of suction chamber 7 and x ,  = 23.7 

inches at the end of suction chamber 6.  One test point was mentioned on first 

i4n. 



(K) Addendum—Additional Low-Drag Boundary Layer Suction 
Experiments on a Flat Plate at Mach Numbers 2,5, 3.0, 
and 3»5 (Continued) 

page of Section H which had a considerably lower wake drag than was measured 
at the most aft position of xrake = 40.2 inches at the end of suction chamber 

8. Since the spanwise extent of the slotted area decreased toward the trail- 
ing edge of the model, the possibility of a spanwise contamination of the 
laminar region from the adjacent turbulent portions of the model was discussed 
as a possible reason in part (H) above. The additional experimental evidence 
presented in Figures 25-3 and 25-5 confirms the above observation. The reduc- 
tion in Cj^ at M = 3.0 and 1^ ~ 14 x 10" is of the order of more than 25 per- 

cent when the rake is located at x = 23.7 and 31.4 inches instead of 
xrake = ^'^ "^es. The minimum total drag coefficient at M = 3.0 and 

Rv = 14 x 10 is reduced from 6.15 x 10""* at x 
rake 

= 40.2 inches to 5.10 x 10 

at x ,  =31.4 inches at a simultaneous reduction of the optimum total suction 

coefficient from 2.4 x 10"4 to 2.2 x 10"4. 

The effect was less pronounced at M = 3.5. Figure 25-4 
shows that the breakdown of the laminar flow was delayed to lower suction quan- 
tities at the more forward rake position. The reduction of the minimum total 
drag coefficient was about 3 percent, of the optimum total suction coefficient 
about 6 percent, 

(4) All performance measurements on the flat plate suction 
model are summarized in Figure 25-5, The minimum total drag and optimum total 
suction coefficients are plotted vs length Reynolds number at Mach numbers 
2,5, 3,0 and 3,5 and compared with the friction coefficients of a laminar and 
turbulent plate. The drag reduction by means of boundary layer suction through 
many fine slots is of the following order of magnitude: the total drag coeffi- 
cients of the suction model at length Reynolds numbers around 20 x 10^ and Mach 
numbers 2.5, 3.0 and 3,5 are 26.0, 29.5 and 38,5 percent of the friction coeffi- 
cients of a turbulent plate, respectively. 
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b. BOUNDARY LAYER SUCTION EXPERIMENTS ON A SLOTTED FLAT PLATE MODEL 
WITH INTERFERING SHOCK WAVES 

E. E. Groth 

(A) Summary 

The interaction of an impinging shock wave with the laminar 
boundary layer was investigated at the AEDC Tunnel A on a 41-inch chord flat 
plate suction model by mounting a plate (shock generator) vertically on the 
suction model. The shock wave intersected the suction slots in the rear half 
of the model under an acute angle. The flat plate model and its suction sys- 
tem were the same ones which were used previously for shock-free low-drag 
measurements. 

Laminar flow was maintained aft of the shock wave up to certain 
intensities depending on Mach and Reynolds number. The increases in suction 
quantities and total drag as function of the shock intensity were measured at 

Mach numbers between 2.5 and 3.5 and Reynolds numbers up to 26 x 10 . 

(B) Notation 

b^    average span of slots in k  chamber 

c     reference chord length, most rearward location of boundary 
layer rake (c = 40.23 inches) 

CQ    suction drag coefficient 

referred to freestream dynamic 
CDt   total drag coefficient   \ pressure, unit span and refer- 

Cjj    wake drag coefficient   J 
ence chord 

Of    friction drag coefficient 

W th 
C     s  k  = suction weight flow coefficient of k  suction 
Wk      P g U be   chamber 

oo    no i\ 

cWt   ■ ^ CWk = total suction coefficient 

M     Mach number 

p     static pressure 

q     dynamic pressure 
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(B) Notation CContinued) 

Reynolds number 

Uoe> C 
R     =  Ü   = reference Reynolds number c 

00 

u     velocity inside boundary layer 

Ü     potential flow velocity 

W.     suction weight flow through k  chamber 

x     coordinate along plate 

y     coordinate perpendicular to plate 

\i viscosity 

v = -ü- kinematic viscosity 
P 

p     density 

Subscripts 

c chordwise station c 

k running parameter, k = 1,....8 

x chordwise station x 

0 stagnation 

„, freestream 

1 condition ahead of shock wave 

2 condition aft of shock wave 

(C) Introduction 

Laminar flow and low drag coefficients were obtained at super- 
sonic speeds and high length Reynolds numbers by means of boundary layer 
suction. The experiments conducted thus far (e.g., Chapter A-a of this section) 
were restricted to surfaces which were free of impinging shock waves. On an 
actual airplane cruising at supersonic speeds, shock waves originating from the 
fuselage or nacelles can Intersect the wing. Therefore, the problem has to be 
investigated whether laminar flow can be maintained In the presence of inter- 
fering shock waves. 
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(C) Introduction (Continued) 

The two-dimensional problem of the interaction of an oblique 
shock wave with a laminar boundary layer has been investigated frequently. 
A summary of the experimental and theoretical results is included in Reference 
19, At a certain pressure ratio, the shock wave causes separation of the 
laminar boundary layer near the impingement point, but the boundary layer 
remains laminar. At higher pressure ratios, the boundary layer becomes tur- 
bulent after re-attachment. One experimental study has been conducted in the 
presence of boundary layer suction through fine slots (Reference 18, also 
described in Reference 19).  Boundary layer suction delays the beginning of 
separation to higher shock intensities, reduces the size of the separation 
area, and delays the beginning of turbulent re-attachment to stronger shocks. 
The results of these tests can briefly be summarized as follows (page 1204 of 
Reference 19)» The tests were conducted on a flat plate model at M = 2.0, 

6 
the Reynolds number at the impingement point was 0.5 x 10 , and the following 
pressure ratios were measured through the shock: 

No Suction With Suction 

Beginning of boundary layer separation     1.20       1.62 
Beginning of turbulent re-attachment      1.45       1.66 

The first boundary layer suction experiments Involving a three- 
dimensional shock wave interaction are described in the following report. 

(D) Description of the Test Configuration and Objective of the 
Test Program 

The present shock interaction experiments were conducted on the 
flat plate suction model which had been used previously for low drag and suc- 
tion measurements at AEDC Tunnel A (Chapter A-a of this section). The impinging 
shock wave was provided by a small flat plate (shock generator) mounted verti- 
cally on the model. A sketch of the configuration is shown in Figure 26, photo- 
graphs of the model installation in the wind tunnel are presented in Figures 27 
and 28. The angle of attack of the shock generator was adjustable from outside 
while the tunnel was in operation. The location and size of the shock generator 
were determined by the requirements that the movable boundary layer rake in its 
most forward position had to be ahead of the shock wave and constant flow condi- 
tions had to exist to the rear end of the suction area. 

The shock wave intersected the suction slots under an angle, the 
last four suction chambers were affected by this interference and, therefore, 
had non-uniform inflow (Figure  29).  Since the suction quantities are propor- 
tional to the pressure difference between external surface and suction chamber, 
more air was sucked through the portion of the slots aft of the shock wave than 
ahead of it. 

One alternative configuration was investigated for the following 
reason:  since the shock generator was mounted outside the suction area, it 
was actually standing in turbulent air. The shock wave near the model surface 
was, therefore, passing through the thick turbulent boundary layer before it 

reached the laminar flow inside the suction area.  In order to investigate the 
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(D) Description of the Test Configuration and Obiective of the 
Test Program (Continued) 

the possibility, whether the test results were affected by this discontinuity 
in the path of the shock wave, the shock generator was mounted inside the suc- 
tion area at a fixed angle of a = 1.88°. The exact locations of the shock 
generator and shock waves at several Mach numbers are shown In Figures 30 and 
31  for the two configurations selected. 

The present test setup was selected to provide experimental evi- 
dence on the following questions:  (1) how much increase in suction quantities 
is required and what are the drag penalties in order to maintain laminar flow 
through weak shock waves; (Z) what are the maximum shock intensities which can 
be tolerated without losing laminar flow. The tests were conducted at Mach 

numbers between 2.5 and 3.5 and length Reynolds numbers up to 25 x 10 .  It is 
important to emphasize that the suction system was the same as had been used for 
the shock-free drag measurements and had not been modified for the particular 
conditions of the present program. 

(E) Presentation of Test Results 

The tests were conducted at AEDC Tunnel A in April 1962 with 
S. R. Pate as project engineer (Reference 106), The tests with the adjustable 
shock generator were conducted in the following way.  Laminar flow was estab- 
lished at a given Mach and Reynolds number with the shock generator at zero 
degree and the rake in its most rearward position (x = 40.2 inches) by means of 
moderate suction (slightly higher than optimum suction). Then the shock genera- 
tor was turned to a small angle of attack.  If laminar flow was lost, suction 
was increased to re-establish laminar flow.  Finally, a shock generator angle 
was obtained where laminar flow could not be provided anymore in spite of high 
suction. 

With the shock generator mounted in the fixed position inside the 
suction area, laminar flow was established ahead of the shock wave (station 
x = 23.7 inches) and then the rake moved aft. When laminar flow was lost, suc- 
tion was increased.  Because of the large number of parameters involved, it was 
not possible to record several suction distributions for each configuration in 
order to determine the minimum total drag and optimum total suction coefficients. 
It was tried during the tests that each suction distribution adjusted was close 
to its optimum. 

The shock intensity was determined in two ways.  Since the shock 
generator deflection was known, the pressure rise could be established from the 
theoretical shock relations (Figure 32).  A few static pressure orifices in 
the vear half of the model provided immediately the measured pressure rise.  If 
p^ is the static pressure on the model ahead of the shock wave, P2 the value aft 

of it, and p^. the static pressure of the undisturbed freestream, then the accu- 

racy of the pressure measurements can be seen from the following table. 

•445- 



(E) Presentation of Test Result s (Continued) 

CO 
2.489 2.989 3.50 

Adjustable shock genera- Pi '1.016 ± .020 {1.039 ± .015 1.015 ± .010 
tor mounted outside 

P- 
ll.009 ± .009 11.003 ±  .013 

suction area 

Fixed shock generator Pl 1.046 ± .020 rl.088 ± .030 
|l.059 ±  .020 

1.008 ± .010 
mounted inside suc- 

P» tion area 1.028 ± .010 

both shock generator Po     P2 (_2). . (_2) installations -.01 +.02 -.01 
Pl    Pi L 1 exp  1 theor 

The different readings of p^/p in the table were established during different 

runs of the tunnel. The higher pressure ratios of P./p^ (ahead of the shock 

wave) with the shock generator installed inside the suction area at M = 2.5 and 
3.0 cannot be explained. The difference between the theoretical and experimental 
values of the pressure ratio through the shock might have been caused by small 
zero-shifts of the shock generator. 

The drag and suction coefficients are reduced in the usual form. 
They are referred to undistributed freestream conditions and the chordwise dis- 
tance of the rake, x y^. The total drag is defined as the sum of rake and 

suction drag, 

CDt = 
+ Cr 

The test results are presented as curves of C^ and Cy vs shock 

intensity, Po/Pp for fixed Mach and Reynolds numbers and the rake in its most 

rearward position, xrake = 40.2 inches (Figures 33 to 38). The test points 

represent the data obtained with the adjustable shock generator mounted outside 
the suction area and include the one test point of the fixed shock generator 
installed inside the suction area. The values at po^Pi = 1-00  are the minimum 
total drag and optimum total suction coefficients obtained in shock-free laminar 
flow (Chapter A-a of this section). Figures 39 to 42 present plots of CD and 

Cyt vs chordwise distance, 
x
raife/

c» ^0T giv«n Mach and Reynolds numbers. The 

data for the fixed shock generator at a = 1.88° are compared with those for the 
adjustable shock generator at an angle n -  2.0°. The location where the shock 
wave intersected the center of the suction area (rake location) is marked on the 
graphs. The curves ahead of the shock location were faired into the values of 
the minimum drag and optimum suction coefficients of the shock free tests. 

(F) Discussion of Test Results 

The test data presented in Figures 33 to 38 show an increase of 
the total drag and suction coefficients with increasing shock intensity. The 
effects of Mach and Reynolds numbers on these data can be observed by plotting 
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(F) Discussion of Test Results (Continued) 

CD                                CWt 
the drag rise,  t    , and the suction increase, ——  , versus shock 

Dt min Wt opt 

intensity, p^/Pi» for the Mach numbers 2.5 and 3.0 and the different Reynolds 

numbers (Figure 43). At both Mach numbers, an Increase in Reynolds number 
caused higher drag increases at approximately the same suction quantities, only 
at M = 3.0 the two high Reynolds number tests provided nearly identical results. 
The test results at M = 3.0 were more favorable than at M = 2.5, laminar flow 
was maintained at higher shock intensities and lower drag and suction penalties 
at M = 3.0 than at M = 2.5. Typical numerical values are as follows: at M = 2.5 

6 
and R = 19.9 x 10 , an increase in suction of 60 percent and in drag of 25 per- 
cent was required to maintain laminar flow behind a shock wave of a pressure 
ra^lo Po/Pi !S 1«08, corresponding to a two-dimensional corner angle of a =  1.15°. 

At M = 3.0 and R = 19.0 or 26.4 x 10 , an increase in suction of 40 percent and 
in drag of 20 percent was required in the presence of a shock wave of pressure 
ratio 1.13, or two-dimensional corner angle of o = 1.60°. At M = 3.0, 

R = 11.0 x 10 and the same pressure ratio and suction increase, the drag 
penalty was only 10 percent. The test data at M = 3.5 (Figure 38) were not 
included in this analysis since not enough air could be sucked through the 
model at this Mach number; the maximum suction quantities available were only 
15 percent higher than the optimum suction coefficients in shock-free flow. 

The higher suction requirements and drag penalties at M = 2.5 are 
caused, to a certain extent, by the present test configuration.  Figure 30 
shows that the shock wave at M = 2.5 is about 3.5 inches ahead of the shock at 
M = 3.0, so that a larger portion of the suction area is exposed to the shock 
disturbance at M = 2.5 than at M = 3.0.  If the comparison between the two 
Mach numbers is conducted at the same chordwise distance from the shock inter- 
section, then the data at M = 3.0 and x/c = 1.00 have to be compared with those 
at M = 2.5 and x/c = 0.91.  Figures 39 and 40 show a considerable reduction of 
the drag and suction coefficients at the more forward station. 

The shock generator installed Inside the suction area produced 
higher drag coefficients than the one installed outside the slotted area 
(Figures 33 to 38).  If expressed in shock intensities, the same drag coef- 
ficients were measured at slightly lower shock intensities; the difference in 
Pj/p^ was approximately of the order 0.02.  Figures 39 to 42 also show con- 
sistently higher drag data for the shock generator inside the suction area at 
about the same total suction coefficients as for the shock generator mounted 
outside. 

The four test points at M =  .0, R = 26.4 x 10 , x = 40.2 inches 

(Figure  37) which were recorded at the shoe  generator angles a = 0, 1.0, 1.5 
and 2.0° were selected to show the change in L e chordwise variation of the 
suction distribution with increasing shock intensity.  The local suction in- 
flow coefficients 

* P v 
f " = -^-2- /IT 
o    p u     x 



(F) Discussion of Test Results (Continued) 

(Figure 44) in the area of the shock impingement and immediately ahead of it 
(chambers 4 to 7) were increased up to a factor 2 at the higher shock genera- 
tor angles, while the front portion of the model remained nearly unchanged. 
The maximum values of f0 in the last three chambers were the highest values 
which could be provided with the present suction arrangement. 

The measured boundary layer velocity profiles at station 40.2 
for these four test conditions are plotted in Figure 45.  Thin laminar pro- 
files were measured at a = 0 and 1°, the profile at a =  1.5° is still as thin 
as the laminar ones, the increase of the velocity near the wall indicates 
beginning transition, the profile at ot -  2° is fully turbulent. 

(G) Conclusions 

A shock generator was installed vertically on a 41-inch chord 
flat plate suction model which was used previously for low-drag and suction 
measurements in shock-free flow. The shock wave intersected the suction slots 
in the r^ar half of the model".  Laminar flow was maintained over the whole 
chord length of the model at increased suction and drag coefficients for cer- 
tain shock intensities depending on Mach and Reynolds number. 

At M = 3.0 and length Reynolds numbers of 19 and 26 x 10 , lami- 
nar flow was maintained through a shock wave of pressure ratio 1.13 (flow 
deflection angle a =  1.6°)  by increasing the suction by 40 percent beyond the 
optimum suction coefficient in shock free flow which resulted in an increase 
of the total drag coefficient by 20 percent beyond its minimum value. The 

same shock wave at R = 11 x 10 caused only a 10 percent drag rise. 

At M = 2.5 and R = 20 x 10 , full chord laminar flow was main- 
tained at a shock intensity of P2/Pi = 1-08 (deflection angle 1.15°) by in- 
creasing suction by 60 percent which provided a 25 percent increase of the 
total drag. 

These results were obtained with the slot arrangement designed 
for shock-free flow.  It is expected that an increase of the local suction 
quantities in the immediate vicinity of the location of the shock wave would 
produce more favorable results. 
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CHAPTER B.  LOW DRAG BOUNDARY LAYER SUCTION EXPERIMENTS AT SUPERSONIC SPEEDS 
ON AN OGIVE CYLINDER WITH 29 CLOSELY SPACED SLOTS 

E. E. Groth 
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the final plots for the report. 
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and the basic data reductions. 

(B) Summary 

Low drag boundary layer suction experiments on an ogive cylinder 
were conducted at the Arnold Engineering Development Center supersonic Tunnel 
E-l at Tullahoma, Tennessee, at Mach numbers 2.5, 3.0 and 3.5. The model had 
the same external dimensions as the one tested in 1958, but was equipped with 
an improved suction system, A larger number of closely spaced slots approached 
continuous suction to a better degree, and larger suction tubes permitted higher 
suction coefficients. Full laminar flow and drag coefficients were measured up 

to Reynolds numbers RL ~ 15 x 10
6 at M = 2.5, RL ~ 12 x 10

6 at M = 3.0 and 

RL ~ 7 x 10
6 at M = 3.5. 

The boundary layer development along the body was computed for 
several experimental suction and surface pressure distributions and the results 
were compared with the test data. 

(C) Notation 

x coordinate along model axis 

x' arc length along model surface 

L = 18.8 inches; length of model, location of boundary layer rake 

y coordinate perpendicular to model axis 

r radius of model 

M Mach number 

U potential flow velocity 

u velocity inside boundary layer 
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(C) Notation (Continued) 

p static pressure 

p density 

T temperature 

p. viscosity 

v kinematic viscosity 

R Reynolds number 

W suction weight flow (Ib/s) 

W O,  = _, ;_ j— s suction weight flow coefficient w    P g U  A roo 0  CO 

2 
A   wetted surface area (A « 144.0 in for L « 18,8 inches) 

Cjv, wake drag coefficient 

CDs suction drag coefficient 
referred to freestream dynamic 

CQ  total drag coefficient    ( pressure and wetted surface 

Cf  friction drag coefficient 

9   momentum thickness 

5   displacement thickness 

5* H   =  = boundary layer form parameter 

h   height of roughness particle 

Subscripts 

0 stagnation 

oo   freestream 

L station x = L 

T Transition 

w wall condition 

1 outer edge of boundary layer 
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(C) Notation (Continued) 

h height of roughness particle 

s suction chamber inside model 

b suction box 

n measuring nozzle 

k running parameter; k « 1, 2, 3, 4 

Other symbols are defined in the body of the report, 

(D) Introduction 

The low drag boundary layer suction experiments on an ogive 
cylinder which were conducted in 1958 at the Arnold Engineering Development 
Center Tunnel E-l at ARO, Inc., Tullahoma, Tennessee, resulted in full length 
laminar flow over a rather limited range of length Reynolds numbers at Mach 
numbers 2,5, 3,0 and 3.5 (Reference 123). In order to investigate the effect 
of an improved suction system on the test results, a new model of the same 
geometric dimensions but equipped with more slots and larger suction tubes 
was built and tested in the same wind tunnel during February and March 1961. 

(E) Description of the Model 

The model was a 20-caliber ogive cylinder with a maximum diameter 
of 3.25 inches; the length of the ogive was 14.443 Inches. It was built and 
mounted in the wind tunnel in the same way as described in Reference 123 for the 
old model tested in 1958. The only difference between the two models consisted 
in the suction system. Continuous suction was approached more efficiently on 
the new model by reducing the distance between consecutive slots. The new model 
had a total of twenty-nine slots located between stations 4,5 and 18.5 inches 
at a constant spacing of 0.5 inch and arranged in four suction chambers, com- 
pared to only twelve slots between stations 5.0 and 18,0 at spaclngs varying 
between 1.4 and 1,0 Inches for the old model. By eliminating unnecessary in- 
strumentation lines, it was possible to increase the diameter of the suction 
tubes which removed the sucked air from the suction chambers so that the pres- 

sure loss of the sucked air was reduced and larger quantities could be sucked. 
The new model had tube diameters of 0,75 inch to station 29,5 inches and 1,00 
inch aft of station 31,0 compared to diameters of 0,50 and ö,75 inch, respec- 
tively, for the old model. 

The suction air from the four chambers was ducted to four suc- 
tion boxes outside the tunnel where the suction quantities were adjusted manu- 
ally and measured through calibrated nozzles. 

A total head rake of seven probes was mounted aft of the last 
slot to measure the boundary velocity profile from which the wake drag was 
evaluated. 
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(E) Description of the Model (Continued) 

A sketch of the model and a photograph of the model mounted in 
the wind tunnel are shown in Figures 46 and 47,  Some of the slot dimensions 
are listed in Table III. 

(F) Measurements and Data Reduction 

The tests were conducted at the AEDC Tunnel E-l of the von Karman 
Gas Dynamics Facility of ARO, Inc., Tullahoma, Tennessee, with W, T. Strike as 
project engineer. The tunnel could be operated continuously over long periods 
of time (about ten minutes at M « 2.5 and about one hour at M « 3.5) by removing 
the tunnel air from the vacuum sphere during the tunnel operation. Because of 
these long running times, it was possible to cover a wide range of suction dis- 
tributions at a given Reynolds and Mach number and to adjust the distributions 
according to the observed status of the boundary layer at the rake location. 

The measured pressures and temperatures were recorded on tape 
from which nondimensional coefficients were computed on an automatic computing 
machine.  Shadowgraph pictures were taken during most of the tests. 

The equations for the data reduction which were described in 
detail in Reference 123are summarized as follows (most of the symbols are 
defined in the Notation section). 

The suction coefficient for the k  chamber is determined by 

k       % (1 + .2 HJ)
3
 i dk2 \ 

%k =   * ^k 
P:0 g U;a A       li„  (1 + .2 Mn 

2)3 A p0   y Tb 

where IL    is the Mach number inside the metering nozzle of diameter d, and 
nk k 

defined by the suction box pressure pt,. and nozzle pressure pn 

M_ = '^7 iVPbkN.286  i 

2 
A * 144 in is the total wetted area of the model up to station 18.8 inches; 
a . is a nozzle calibration factor depending on the nozzle Reynolds number. 

The suction drag coefficient is given by 

D     4 Ms 
2 Ts 

S  ^o A  k=:1  ^      M 
2 T 

2 
where Ks,      is determined by the  pressure  in the  suction chamber psk» 

M    2  = 5;(^)-286    -   ij 
Sl< -  Psk 

■452- 

~ i   i in if   i   I^nmmmm^mnitmmamamitmmmm^lia^mimm^ä^ammammmilimmlimiim£^l^miltmiammaailiamtmmtimiamam^imtmijlli^ 



(F) Measurements and Data Reduction (Continued) 

The boundary layer velocity profile at the rake location is computed from 
the measured total head pressures under the assumption of constant static 
pressure and total temperature in the boundary layer and zero heat trans- 
fer between flow and surface.* The wake drag is given by 

m    H + 2 - M^ 
_ 2 TT dL   /UL\ 

where the momentum thickness at the rake location is 

o 

and 

H + 2 - M2 = 3.145 - .28 MT
2 - .30 M 2 

The total drag is defined as the sum of wake and suction drag: 

CDt = CDw + CDs 

(G) Results of the Drag and Suction Measurements 

(1) Test Results of the Present Model 

The results of the drag and suction measurements are 
presented in Figures 48 to 53, The variation of wake, suction, and total 
drag with total suction coefficient for given Reynolds numbers is shown in 
Figures 48, 50 and 52 for the three Mach numbers, 2.5, 3.0 and 3.5. The 
optimum suction quantities and minimum total drag coefficients are plotted 
versus Reynolds number in Figures 49, 51 and 53 for the three Mach numbers. 
Included in these figures are the drag coefficients of the nonsuctlon con- 
figuration with the slots sealed and the friction coefficients of the laminar 
and turbulent plate. Typical boundary layer velocity profiles at the rake 

location are shown in Figure 54 for M = 3.5, R, = 4.85 x 10 and several 
suction coefficients. 

The measurements M = 2.5 showed that low drag coeffi- 
cients could be maintained for length Reynolds numbers of the order of 

15 x 10 . Increased suction quantities were required for Reynolds numbers 

*The error introduced by the assumption of constant total temperature 
was checked for one of the numerical examples reported in Chapter (I). 
The exact momentum thickness or wake drag coefficient was found to be 
smaller by 0.5 percent than the corresponding approximate value. The 
assumption of constant static pressure will be discussed in Chapter (H). 
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(G) Results of the Drag and Suction Measurements (Continued) 

between 15 and 17 x 10 to keep the boundary layer laminar over the whole body 
in spite of the increasing level of external disturbances. Full laminar flow 
could not be maintained beyond R^ = 17 x 10^ although ample suction air was 
available. Apparently, at these high numbers, which correspond to unit Reynolds 
numbers of more than 10 x 10^ per foot, model roughness and tunnel noise became 
critical« Shadowgraph pictures showed that minor roughness spots caused by 
sandblasting effects on the tunnel air caused premature transition on one side 
of the model while the other side remained unaffected. The already high level 
of tunnel noise was amplified occasionally by oscillations of the shock wave 
at the end of the test section. 

At M = 3.0, full laminar flow and low drag coefficients 

were maintained until RL ~ 12 x 106, A thin laminar profile was observed 

once at RL = 12.8 x 10°, but the sudden increase in tunnel noise due to 

vibrations of the opening valve of the tunnel caused an immediate transition 
to turbuler.t flow before the data were recorded. For unit Reynolds numbers 

beyond 8 x 10" per foot the external disturbances were too large to keep the 
boundary layer laminar in spite of high suction quantities available. 

The tests at M = 3.5 provided laminar flow over the whole 

model up to length Reynolds numbers of the order of 7 x 10 . The measurements 

at RL » 7.8 x 10° indicated that transition moved forward because of insuffi- 
cient suction. Since the model was designed for a Mach number of 3.0, the 
slot widths and holes underneath the slots were too narrow for the relatively 
large volumes of low density suction air at the higher Mach numbers. An 
extrapolation of the curve (C^)   versus RL in Figure 53 shows that a 

total suction coefficient of ~ 2.3 x 10  would be required at RT = 7.8 x 10 , 
/ 

but the largest amount available was only 1.9 x 10" . 

The minimum total drag and optimum suction coefficients 
from Figures 49, 51 and 53 are combined in Figure 55 to present a clearer 
picture of the variation of the coefficients with Mach number. The lowest 
drag coefficients and corresponding Reynolds numbers are compared in the 
following table with the laminar and turbulent friction coefficients at the 
same Mach and Reynolds numbers. 

Freestream  Length Reynolds Total Drag     Friction Coefficients of 
Mach Number     Number  Coefficient Laminar Plate Turbulent Plate 

M 10'6 R,       104 Cn        104 C 
oa L       

1U  ^Dt       
LU    ^f 104 Cf 

19 .9 
18 3 
17 .6 

2.5 14 4.9 3.3 
3.0 11 5.6 3.7 
3.5 7 7.6 4.5 

The drag of the suction body is 1,5 times the friction drag of a laminar 
plate at M = 2.5 and 3.0, and 1.7 times greater at M = 3,5, The turbulent 
friction drag is 4.0 times larger at M = 2.5, 3.3 times larger at M = 3,0 
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and 2.3 times larger at M « 3.5 than the drag of the suction body. The 
reduction of the ratio of the turbulent plate drag to the drag of the 
suction body with increasing Mach number is due to the reduction of the 
turbulent friction drag with Mach number. 

The suction quantities required to provide the minimum 
drag coefficients are included in Figure 55, They show a steep rise with 
Mach number at a given length Reynolds number. One reason for this varia- 
tion with Mach number is the forward shift of transition without suction 
with increasing Mach numbers. Figures 56,  57 and 58 present all the 
Information available about boundary layer transition. The test points 
are marked where the boundary layer stayed laminar to the rake station 
either without or with suction. The highest test points from the previous 
measurements (Reference 12'3)are included for comparison.  Shadowgraph pic- 
tures of the area between stations 6.5 and 14,8 inches were taken for most 
of the test points. As an example, transition occurred at a unit Reynolds 
number of 0,5 x 10^ per inch at the following stations: 

00 
xT (in.) 

U  x* 
RT = -2 L. 

1     V 
03 

2.5 

3.0 

3.5 

12r8 
9.8 

8.6 

6.4 x 106 

4.9 x 106 

4.3 x 106 

The optimum suction coefficients of Figure 55 and the natural transition 
Reynolds numbers without suction of Figures  56,  57 and 58 are replotted 
in Figure 59 versus length Reynolds number, from which Figure 60 is derived. 
Figure 60 presents the suction quantities required for maintaining laminar 
flow to station 18.8 inches at minimum total drag as a function of the loca- 
tion of natural transition without suction (station x-jO.  The x^ scale Is 

plotted backward so that the abscissa represents the chordwise distance by 
which the range of laminar flow has to be extended.  In this presentation the 
curves for M « 2.5 and 3.0 nearly coincide, which can be interpreted in the 
form that the Increase In suction requirements between M = 2.5 and 3.0 is 
caused by the change in natural boundary layer transition between these Mach 
numbers. But this effect Is not sufficient to explain the further Increase 
In suction at M ■ 3.5, where about 40 percent more suction Is required than 
for M ■ 2.5 and 3.0.  Figure 60 also emphasizes the steep Increase of suc- 
tion because of excessive external disturbances.  This occurs for M = 2.5 
and 3.0 at Reynolds numbers which provide boundary layer transition without 
suction at xj ~ 9 Inches. 

(2) Effect of the Different Suction Systems of the 
Old and New Models on the Test Results 

The difference In the suction systems of the two models 
consisted of two Items:  (1) continuous suction was approached to a better 

*The local unit Reynolds number, Uj/u p deviates from the freestream value, 

U /v , by less than +5 percent between stations x « 10 and 19 Inches for the 
three Mach numbers. 
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(G) Results of the Drag and Suction Measurements (Continued) 

degree on the new model (slot spacing 0.5 inch) than on the old one (slot 
spacing 1.4 to 1.0 inches); (2) the maximum suction quantities which could 
be sucked through the model were larger on the new one because of larger 
cross sections of the suction tubes. 

The effects of these differences in the suction system 
on the test results are presented in the following table: 

Freestream 

M. 

2.5 
3.0 
3.5 

Maximum Total 
fficient, 10* 

Old Model 

L Suction 
Cy ,  Available 

New Model 

Maximum Length Reynolds 
Number with Full Laminar 

Flow, 10-6 Rl* 

Old Model   New Model 

1.6 
1.2 
.8 

4.2 
3.1 
2.0 

10.6 
7.0 
4.7 

15.3 
11.5 
6.3 

The improvement in maximum length Reynolds number at 
M « 3.5 is caused primarily by the increase in total suction quantities. 
The Reynolds number level at this Mach number appears too low for external 
disturbances to become critical so that slot spacing is not yet Important. 
A comparison between corresponding test points from the two models shows 
good agreement: 

(M!0 = 3.5) 10-6 RL 10* cWt 10* cDs 104 ^ 

7.35 
7.18 

1°4 \ 

Old Model 
New Model 

4.44 
4.82 

.771 

.832 
.92 
.89 

8.27 
8.07 

The slightly larger slot widths and hole sizes on the new model are 
responsible for the reduction in suction drag. 

A different situation exists for ^ = 3.0. At 

R^ = 6,8 x 10 the old model had just enough suction to approach minimum 
drag; the high wake drag at Rj^ » 8.0 x 10^ Indicated that transition had 
moved forward. The present tests show that the same suction quantities 
are sufficient to maintain full laminar flow at this Reynolds number so 
that the improvement is probably due to the narrower slot spaclngs. The 
extension of the laminar range beyond RL "» 8 x 10" is primarily due to the 
higher suction quantities available. A comparison of corresponding old and 
new points Is shown on the following page. 

♦Defined at the length Reynolds number where total drag coefficient 
exceeds the nonsuctlon laminar flow value by 15 percent (same defini- 
tion as in Reference 123). 
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(G) Results of the Drag and Suction Measurements (Continued) 

(Ho ' 3.0)   ID"6 RL   10
4 CWt   104 CDs   10

4 CDw   10
4 CDt 

Old Model   {6.83      1.232     1.51      5.34     6.85 
17.98     1.205     1.51      7.39     8.90 

New Model    7.71      1.227     1.32      5.13     6.45 

The favorable effect of the narrower slot spacing is even 
more pronounced at M = 2.5, where higher suction at a lower Reynolds number 
produced a higher wake drag on the old model than the lower suction at a 
higher Reynolds number on the new model, as is shown in the following 
comparison; 

(^ = 2.5)   10"6 RL   104 CWt   104 CDs   104 CD    10
4 GDt 

Old Model    12.10     1.584     2.13     4.90     7.03 
New Model    13.24     1.335      1.39      3.83     5.22 

With the total suction available for the old model, laminar flow could have 
been maintained up to RL ~ 13 x 10" if a better approach to continuous suc- 
tion had been provided. The increase in Reynolds number range beyond this 
value required higher total suction coefficients. 

The requirement of the narrow slot spacing for producing 
high length Reynolds numbers with full laminar flow might be partly due to 
the high level of external disturbances of this wind tunnel. According to a 
communication by the author with Mr. C. J. Schueler of AR0, Inc., transition 
measurements on a hollow cylinder provided about 25 percent higher transition 
Reynolds numbers in the continuous Tunnel A than in Tunnel E-l. He also 
mentioned that sound measurements in the stilling chamber of Tunnel E-l had 
Indicated a high noise level caused by the high speed jet flow from the con- 
trol valve. The total sound power output was of the order of 2000 watts/ft2, 
corresponding to pressure fluctuations of the order of 9 lb/ft2 or 147 db. 
This high sound level at unit Reynolds numbers of the order of 10 x 10^ per 
foot represents really severe test conditions for maintaining laminar flow. 

CH) Flow Field Near Last Slot 

The total head readings of the boundary layer rake provide 
some Information about the flow field and the shock wave originating at the 
last slot. A typical plot of the variation of the total pressure, Pfa^g 

(uncorrected for the pressure loss due to the shock wave from the probe 
tip), perpendicular to the model surface is shown In Figure 61 for M = 2.5, 

RL * 15.8 x 10 , station 18.81 inches. The outer edge of the boundary layer 

is reached at the maximum value of Pj^ke« This valu^Pfake^Po)   determines 
max 

a Mach number M,.^ by means of the standard charts for normal shocks.  It Is 
ITC I 

assumed that the static pressure defined by M-gf Is constant throughout the 



(H) Flow Field Near Last Slot (Continued) 

boundary layer. The variation of p , /p outside the boundary layer is 
rake o 

interpreted as a variation of the local Mach number in the potential flow. 
The Mach number distribution corresponding to p , /p is also included in 

rake o 

Figure 61. Under the assumption of constant static pressure (or local 
Mach numbers) along Mach lines, the Mach number variation along the y axis 
can be plotted along the chordwise distance x. The discontinuity of 
p   /p between the heights 0.12 and 0,13 inch is caused by the shock wave 
TcliCC  O 

from the last slot (located at station 18.5). A possible interference 
between the shock waves from the slot and the pressure probes is neglected. 
Since the local Mach number at station 18.25 is known from the static pres- 
sure orifice, the variation of the local Mach number along the outer edge of 
the boundary layer can be plotted between station 18,25 and the rake bottom 
as is shown for three examples in Figures 62,  63 and 64. Figure 62 was 
developed from the data presented in Figure 61. The reduction of the local 
Mach number variation due to a reduction in suction quantities is shown in 
Figure 63. The suction coefficient at the last slot is approximately one- 
seventh of the value for the fourth suction chamber. Figure 64 presents 
the data obtained at two rake locations under identical test conditions. 
The rake was moved aft for the tests at M» = 3.5 to eliminate the inter- 
ference with the shock wave from the last slot. 

The few test points available restrict the accuracy of the 
curves. The actual thickness of the boundary layer depends on the way the 
curve is faired through «"he few rake total head readings, and the exact 
height of the probes above the surface is not known with sufficient accuracy. 
The shock lines at the bottom of Figures 62 to 64 were developed in such 
a way that the chordwise location of the steep decrease of the local Mach 
number coincides with the point where the shock wave penetrates the outer 
edge of the boundary layer. The direction of the shock wave was assumed to 
be slightly steeper than the local Mach line. The shock waves plotted in 
Figures 63 and 64 can be extrapolated to the slot, but the shock at 
M = 2.5 (Figure 62) apparently is displaced by about 0.02 inch. 

The three example cases are in qualitative agreement with the 
results of a detailed flow field survey reported in Reference 107, where it 
was discussed that the assumption of a constant static pressure inside the 
boundary layer might no^. be accurate enough in regions where noticeable 
chordwise gradients of the external static pressure occur within distances 
equal to a few boundary layer thicknesses. The rather steep change of the 
local Mach number near the outer edge of the boundary layer (M = 2,502 at 
chordi.ise station 18,81 or y = .032 Inch above the surface and M = 2,523 at 
station 18,77 or y ■ 0,50 inch, as shown In Figures 61 and 62 might repre- 
sent a typical case where a variation of the static pressure Inside the 
boundary layer has to be considered. 

The evaluation of the boundary layer velocity profile at the 
rake location was set up originally In the form that the surface pressure at 
station 18.25 was used for determining the reference Mach number. The above 
examples show that the shock wave from the last slot can change the actual 
value of the reference Mach number at the rake location so much that the 
accuracy of the drag evaluation would be affected. All wake drag coefficients 
published in this report have been evaluated with the correct value of the 
referenced Mach number at the rake location. 
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(I) Comparison of Experimental Results with Theory 

The development of the laminar boundary layer over the ogive 
cylinder was computed on the IBM 7090 machine by means of an exact theory 
(Reference 45) for the following three cases: 

M_    ID"6 RL    10
4 CWt    10

4 CDs    10
4 Cj^    104 CDt 00 

2.5 13.24 1.335 1.389 3.832 5.221 
3.0 11.36 1.642 1.811 3.844 5.655 
3.5     4.85     1.454     1.667     6.143     7.810 

The calculation was performed under the following conditions: 
the measured freestream reference values and measured surface pressure dis- 
tributions were used; the model surface was assumed to be at adlabatlc wall 

temperature, (_£JL-)     » 0, without heat conduction or radiation, 
d y  y » 0 

A continuous suction distribution was developed in such a 
way that the integrated values per chamber were equal to the measured suction 
coefficients. The distributions within a chamber were estimated from the 
measured pressure drop through the skin and the known slot and hole dimen- 
sions. Discontinuities in the slopes were admitted since they had no notice- 
able effect on the accuracy of the integration. An analytical expression for 
this continuous suction distribution is the quantity dC^/dx defined by 

dCw  Pw v0  2TTr 

dx  P_Um   A 00 

where v is the local inflow velocity and r the body radius at station x. o 
dcW -1 
-j— has the dimension (inch)  .  Since the slot spacing is 0.5 inch, the 

term 

r   1 dCW 
w  2 dx 

represents approximately the suction coefficient for a single slot. 

The surface pressure and suction distributions for the three 
examples are shown in Figures  65, 66 and 67,  Sinc^ the boundary layer 
is computed along the arc length, x', of the body, the data are plotted 
versus x' Instead of the chord length x along the axis.  In the cylindrical 
section, x» = x +0,12 (in.). 

The Reynolds number based on momentum thickness, R^ =  i t 

divided by the square root of the length Reynolds-, number Is plotted versus x' 

in Figure 68 for the three examples. The variation of   versus x' can be 
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(I) Comparison of Experimental Results with Theory (Continued) 

related to the local suction distribution in the sense that high suction 
produces rather small increases of RQ and vice versa. The value of RQ at 

the rear end of the body and the wake drag coefficient C^ can be compared 

with the experimental values evaluated from the measured rake profile. The 
results are listed in the following table: 

M 
Rake Location   Ro /i«4r. \ /in^n    \ 

vi (tr,  s    (   1 ) n, N     (10 CD«)     /D \    (10 Ci^) a '    /Rj  theor (^^theor       theor ^R9;exp        exp 

2.5 18.93 .3953 1448 2.928 1840 3,832 
3.0 18.93 .4043 1362 3.268 1602 3.844 
3.5     19.21       .4357      959       5.252     1170      6.143 

The experimental RQ values and wake drag coefficients are about 22 percent 
higher than the corresponding theoretical data. 

The boundary layer velocity profiles at the rake location are 
compared in Figure 69. The theoretical and experimental values of the total 
boundary layer thickness are listed below (because of the asymptotic behavior 
of the boundary layer the value of 6 is defined as the height for u/U = .99). 

M- theor       exp 

.026 .032 

.033 .040 

.064       .066 

The experiments provide higher velocities near the wall and lower velocities 
near the outer edge than the theory predicts. The experimental boundary 
layer thickness is about 22 percent thicker than the theoretical one at 
M « 2.5 and 3.0; good agreement exists at M^ « 3.5. 

The discrepancy between theory and experiment is rather high 
and cannot be explained without a more refined analysis. The assumption of 
continuous suction for the theoretical calculation Instead of suction through 
individual slots might be a severe simplification in supersonic flow, since 
it neglects the variation of the external pressure field caused by the shock 
waves from the individual suction slots. As a consequence, the assumption of 
constant static pressure through the boundary layer may no longer be justified. 
Also, the external disturbances in the wind tunnel, particularly the noise 
field, might contribute to a deformation of the laminar boundary layer pro- 
file and require higher suction quantities to maintain its stability.*' 

2 .5 
3 .0 
3 .5 

♦Oscillations in the laminar boundary layer can be amplified rapidly when 
certain frequencies of the external disturbances coincide with critical 
frequencies of the laminar boundary layer, as was shown in Reference 96. 
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(I) Comparison of Experimental Results with Theory (Continued) 

Th^ computed wall temperatures and recovery factors, 

JÜ - 1 

r = T"-Tl = ll 
T0 - Tx  .2 Ml2 

are plotted In Figures 70a, 70b and 70c for the three cases. The theoretical 
wall temperature varies by less than ±50F, which Indicates that the assumption 
of an Insulated body for the boundary layer calculations Is sufficiently accu- 
rate. The recovery factor grows from its value r ~ .86 in the front part of 
the model (no suction) to r ~ .90 near the rear end >f the model. It Is also 
known from other calculations that the recovery factor in laminar flow in the 
presence of suction can exceed the value of .90. 

The computed velocity and temperature profiles permit a calcu- 
lation of the height of the portion of the boundary layer which is sucked into 
a slot. The results of this calculation for one slot near the middle of each 
chamber are presented in the following table, together with the slot width of 
the model. 

Thickness of Sucked Layer (in.)   Slot Width 
Station x' (In.)   M ; 2.5  M « 3.0  M » 3.5   of Model (in.) 

6.0 .0016 .0021 .0026 .0035 
10.0 .0013 .0022 .0030 .0040 
13.1 .0016 .0025 .0043 .0070 
16.0 .0025 .0025 .0049 .0070 

The increase of the thickness of the sucked layer with Increasing Mach number 
is quite pronounced. The actual slot widths have to be larger than the thick- 
ness of the sucked layer in supersonic wind tunnel experiments because of the 
large pressure losses of the low density air which might lead to early choking. 
There is no apparent danger of local separation effects inside the slots since 
the slot Reynolds numbers (Rs) based on slot width and mean inflow velocity 

are extremely low, e.g., R. » 16 to 51 at M » 2.5, R    » 12 to 40 at M « 3.0 
5* s 

and Rs «7 to 9 at M » 3,5 for the above example cases. These values of R 

can be changed to other length Reynolds numbers by multiplying them with the 

R 
ratio of the square root of the length Reynolds numbers (—5_ independent of 
RL). .^ 

(J) Effects of Surface Roughness 

One single roughness particle, a .093-Inch diameter disc of 
.0035-Inch height, was placed at station 2.00 Inches of the model and tested 
at M « 3,0. The shadowgraph pictures of the nonsuctlon configuration show 
that transition moved from xT « 14 inches to xT = 12 inches at RL « 6.3 x 10 , 
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(J) Effects of Surface Roughness (Continued) 

but the boundary layer stayed laminar with suction (also, see Figure 57). 

At RL -  7,6 x 10 , transition without suction moved from xT « 12 inches to 

x.j, « 7.5 inches due to roughness; with suction laminar flow could not be 

maintained; transition with roughness was at xT -  9.0 inches. 

The boundary layer calculations permit the computation of the 
following roughness parameters: the roughness Reynolds number, defined as 

R, h 
h u (h) 

» (h) 

where velocity and kinematic viscosity are taken at the height h of the 
roughness particle; the ratio of the height of the particle to the dis- 

placement thickness ö • and the Mach number M^ at the height of the particle. 
The following table lists these values for the above test conditions at 
Hs «= 3.0 and h « .0035. Also included is the ratio of transition Reynolds 
number with roughness to its value without roughness for the nonsuction case. 

10-6RL Rh 
h 
6* 

Mh 
Rt 

6.3 163 .57 .82 .85 
7.6 232 .63 .90 .62 

11.3 464 .76 1.13 _ . 

Reference IGBpresents an evaluation of available roughness measurements In 
supersonic tunnels by plotting /R^  versus Mjj where the critical height, 

hcr, is defined as the particle height which causes transition at a length 

Reynolds number which is 5 percent less than its value without roughness. 
Figure 18 of Reference 108gives /Rh ~ 16 to 19 for Mj, « .8 to .9, com- 

pared with the value of about 12 for the nonsuction tests and of the wind 
tunnels and the different methods of computing the boundary layer profiles 
might explain the discrepancy. The increase in allowable roughness height 
in the front portion of the body ahead or the suction area due to sue-Ion 
is rather small. 

Estimates of allowable roughness height can be obtained from 
the theoretical layer development by plotting the quantities M. and 

Rh       j, . 
■   versus r-■ RL.  In this form, all data are Independent of length Reynolds 
^RL     

L 

number. Since it was expected that model roughness might have become criti- 
cal at the high unit Reynolds numbers at M «« 2.5, the above roughness param- 
eters are plotted at stations x = 1.0, 2.0 and 5,0 inches in Figure 71, 
Assuming a value /RJ,  » 13 and RL « 18 x 10^ gives the following maximum 

roughness heights for the ogive cylinder body for the tests in Tunnel E-l: 
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(J) Effects of Surface Roughness (Continued) 

Critical Roughness 
Station x (in.)       Height (in.) 

1.0 .0011 
2.0 .0014 
5.0 .0017 

Surface contamination of that order of magnitude must have occurred since 
laminar flow was lost occasionally at high Reynolds numbers and regained 
after the model had been polished. 

Another possible roughness spot was station x = 1 inch, where 
the nose cone of the model was attached to the remainder of the body. The 
above roughness analysis requires that the step at this joint has to be con- 
siderably less than .0011 inch, a condition which was hard to maintain during 
the tests since the nose cones had to be exchanged occasionally. It should 
be emphasized that these severe roughness requirements are caused by the fact 
that the tests were conducted at unit Reynolds numbers of the order of 

10 x 10 per foot. 

(K) Conclusions 

The boundary layer suction experiments on the ogive cylinder 
provided the following results: 

(1) Low drag coefficients and full laminar flow were main- 
tained at high length Reynolds numbers at Mach numbers 2.5, 3.0 and 3.5. 
Total drag coefficients of 5.0 x 10"^ were measured at RL = 15 x 10

6 and 

M = 2,5; CDt = 5,6 x 10"
4 at RL = 11 x 106 and M = 3.0; CD = 7,6 x 10"A 

(L t 

at RL = 7 x 10 and M = 3,5, The total suction coefficients at these 

Reynolds and Mach numbers were close to 2,0 x 10" . 

(2) At a given Reynolds number, the suction coefficients 
increased with Mach number. This effect could only partly be explained 
by the forward shift of transition without suction with increasing Mach 
number. 

(3) Laminar flow was lost beyond 17 x 10 at M = 2.5 and 
and 13 x 10 at M = 3,0 in spite of high suction due to the combined effects 
of external disturbances such as tunnel noise and turbulence as well as 
model roughness, 

(4) A theoretical analysis of the boundary layer development 
along the body provided wake drag coefficients which are between 18 and 27 
percent lower than the measured values and boundary layer velocity profiles, 
which are between 3 and 21 percent thinner than the measured ones. The 
largest discrepancies occurred at the high Reynolds number at M = 2,5, 
indicating an influence of the external disturbances on the test results. 
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CHAPTER C.  INVESTIGATIONS OF SWEPT WINGS WITH SUPERSONIC LEADING EDGES 

a.  LOW DRAG BOUNDARY LAYER SUCTION EXPERIMENTS ON A 36° SWEPT 
WING AT MACH NUMBERS 2.5, 3.0 AND 3.5 

E. E. Groth 

(A) Summary 

A 36° swept suction wing of 3-percent-thick biconvex section was 
tested at AEDC Tunnel A at Mach numbers between 2.5 and 3.5. Laminar flow and 
low drag coefficients were maintained up to the highest tunnel pressures, result- 
ing in length Reynolds numbers of 17, 25 and 20 x 10° at Mach numbers 2.5, 3.0 
and 3.5, respectively. 

The computation of the laminar boundary layer development along 
the wing chord for typical test conditions provided numerical values of crossflow 
Reynolds numbers with full laminar flow. 

Two separate tepts were conducted. The first model with the 
original -- relatively narrow -- slots was successful at M = 2.5 and in the 
Reynolds number range up to R = 13 x 10^ at M = 3.0. The second model, with 
wider slots, provided satisfactory data at M = 3.0 and 3.5 at further increased 
chord Reynolds numbers.  Both models were rather sensitive to the local suction 
quantities. 

(B) Notation 

b       wing span, measured perpendicular to flow direction 

b,       spanwise extent of k  suction chamber, perpendicular to 
flow direction 

b'      wing span, measured parallel to leading edge 

c       wing chord, measured parallel to flow direction 
(c = 39.0 inches) 

c'       wing chord, measured perpendicular to leading edge 
(c' = 31.5 inches) 

CD      suction drag coefficient ' 

cDt      total drag coefficient   i  Referred to freestream dynamic 
pressure, unit span and refer- 

CQ      wake drag coeffic  it    j  ence length in flow direction 

C£      friction drag coei--cient ! 

J 

Wk Cu = —r— =  suction weicht  flow coefficient  through 
wk P«gQJv 

k      chamber 
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(B) Notation (continued) 

Cw      = Z! Cw = total suction coefficient 
t       k  k 

M       Mach number 

p       static pressure 

R       Reynolds number 

R       = — = reference unit Reynolds number (par inch) 

U       potential flow velocity perpendicular to leading edge 

v       = VOD 
= potential flow velocity parallel to leading edge 

Q       = |'U + V - resultant potential flow velocity 

u       velocity component inside boundary layer perpendicular 
to leading edge 

W^ suction weight flow through k  chamber (Ib/s) 

x coordinate in flow direction 

x' coordinate perpendicular to leading edge 

y' coordinate parallel to leading edge 

z coordinate perpendicular to wing surface 

u kinematic viscosity 

p density 

9 sweep angle 

b boundary layer thickness 

Subscripts 

x chordwise station x 

k running parameter, k = 1 ... 8 

00 freestream 

1 outer edge of boundary layer 

Other symbols are defined in the body of the report. Coordinates 
and velocity components are shown in Figure 75. 
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(C) Introduction 

Laminar flow and low drag coefficients were maintained on straight 
two-dimensional wings by means of boundary layer suction at Mach numbers between 

2.5 and 3.5 and at length Reynolds numbers up to 26 x 10°. The next step in the 
development toward a three-dimensional supersonic suction wing is the investiga- 
tion of the effects of crossflow on the stability of the laminar boundary layer 
in supersonic flow. For this purpose, a two-dimensional wing swept ahead of the 
Mach cone was built and tested at AEDC Tunnel A. The first experiments were con- 
ducted in March 1962; the tests were repeated with a modified suction arrangement 
in October 1962. 

(D) Description of the Model and Purpose of the Tests 

The model selected for the boundary layer suction measurements was 
a two-dimensional wing of 36° sweep; the chord length in flow direction was 
c -  39.0 inches and perpendicular to the leading edge was c' = 31.5 Inches. The 
model spanned the tunnel, b = 40 inches. The biconvex airfoil section was 3-per- 
cent thick perpendicular to the leading edge or 2.43-percent thick in flow direc- 
tion. Suction was applied to an area which was not disturbed by any shock waves 
for Mach numbers M ä 3.0. The shock lines from the Intersection of the model 
leading edge with the tunnel side walls Intersected the last suction chamber at 
M = 2.5. The reflection of the leading edge shock wave from the tunnel walls at 
M = 2.5 barely missed the rear end of the suction area. A sketch and photograph 
of the model are shown in Figures 72 and 73; the location of the shock lines 
relative to the sucticn area is presented in Figure 74. 

The original suction system consisted of 66 slots arranged in 
eight suction chambers. The slots were 0.42 to 0.45 inch apart (measured per- 
pendicular to the slots) and between 0.005 and 0.014 inch wide; the first slot 
was 1.6 inches aft of the leading edge (J_l»e«3. Since the first test indicated 
that this arrangement provided Insufficient suction quantities at the higher Mach 
and Reynolds numbers, the model was modified by increasing the slot widths and 
adding two slots in front. The first slot of the modified model was 0.76 inch 
aft of the leading edge (measured JLl.e.). Table IV contains a list of the 
pertinent dimensions of the two suction arrangements. The slots near the leading 
edge of the model were about 19 Inches long (measured parallel to the leading 
edge); their length reduced to about five inches near the trailing edge. The 
ducting and metering of the suction air was done in the same way as in previous 
tests (Section II, Fart 2, Chapter A-a and A-b). 

The boundary layer rake was located in the middle of the suction 
area and could be moved from its most rearward position at the end of the last 
suction chamber (x^^g = 37.8 inches) to the end of suction chamber 7 (x^^g = 32.8 

inches) and to its most forward position at the end of suction chamber 6 
^xrake = 27.7 inches). 

The purpose of the tests was to establish laminar flow at super- 
sonic speeds and high length Reynolds numbers by means of boundary layer suction 
in the presence of strong boundary layer crossf low. Suction requirements had t-o 
be established as functions of Mach and Reynolds numbers. Theoretical analyses 
of the laminar boundary layer development at the experimental pressure and suc- 
tion distributions had the purpose of providing numerical data of crossflow 
Reynolds numbers at which laminar flow could be maintained.  In order to develop 
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(D) Description of th- Model and Purpose of the Tests (continued) 

strong crossflow effects along the whole wing chord, a two-dimensional swept wing 
model was selected. The sweep angle was low enough to provide supersonic leading 
edge flow at all Mach numbers under consideration. 

IE) Drag and Suction Measurements 

The experiments were conducted in AEDC Tunnel A; S. R. Pate of 
ARO, Inc., was project engineer (References 106 & 109). The first tests took 
place in March 1962, the second tests with the modified suction system in Octo- 
ber 1962. Preliminary results of both tests were reported in References 110 and 
111. 

The suction and drag coefficients of a two-dimensional swept wing 
are defined in Part (H) of this report, which also includes a derivation of the 
wake drag in compressible flow. The coordinates and velocity components used 
are shown in Figure 75. 

Plots of wake, suction and total drag coefficients vs total suc- 
tion coefficient are presented in Figures 76 to 82 for Mach numbers M = 2.5, 
3.0 and 3.5 and for three rake locations (end of suction chambers 6, 7 and 8). 
The test points from the two tests are marked differently to demonstrate the 
different behavior of the model with the two suction arrangements. 

The first tests provided laminar flow at M = 2.5 up to the highest 
possible tunnel pressures; the flow over the last few inches was disturbed, prob- 
ably by the reflected shock from the leading ?dge. No laminar flow could be 

obtained at x = 37.8 inches for unit Reynolds numbers R^1' > 0.42 x 10 per inch, 
but the flow remained laminar at x = 32.8 inches up to the highest value of 

R(1) = 0.54 x 106 per inch. The tests at M = 2.5 with the first suction system 
were conducted at low total suction coefficients. It was observed during these 
tests that suction in chambers 2, 3 and 4 had to be kept at low values (less 
than one-half of the suction quantities sucked through chamber 1) in order to 
maintain laminar flow. Apparently, some disturbance of unknown nature caused 
instability of the laminar boundary layer at higher suction quantities. A possible 
reason for such a behavior may be found in the fact that the bonding of the outer 
skin was not as uniform as on the other suction models; a portion of the outer 
skin was loose in the front portion of the model and was fastened to the inner 
structure by a few rivets.  In spite of the limitation in the adjustment of the 
suction distribution, a sufficient number of test points was recorded in the 
range of the minimum total drag. 

The tests with the first suction system at M = 3.0 were restricted 

to length Reynolds numbers below RJJ ~ 13 x 10 . Reduced suction was again required 

in the third and fourth suction chambers.  The maximum suction quantities available 
in the first two chambers were not sufficient to obtain laminar flow at higher 
Reynolds numbers.  No laminar flow was observed with the first model at M = 3.5. 

The modified suction system provided laminar flow and low drag 
coefficients at rather uniform suction distributions at M = 3.5 up to the highest 
possible Reynolds numbers.  Suction could be reduced considerably in the rear 

half of the model without a drag penalty. The curves at R = 19.7 x 10° in 
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(E) Drag and Suction Measurements (continued) 

Figure 81 show that the total drag still decreased for total suction coefficients 

Cy < 3 x 10" . Although the boundary layer velocity profiles looked rather 

unstable, they remained thin enough so that the reduction in suction drag was 
larger than the increase in wake drag. 

Full laminar flow up to the maximum Reynolds number was also 
observed with the modified suction system at M = 3.0 and 2.5. The measurements 
at low Reynolds numbers agree with the data obtained during the first tests 
(Figures 76 and 79a). With increasing Reynolds numbers it became necessary 
to maintain high suction quantities in the front half of the model, resulting in 
rather high total suction coefficients and, therefore, total drag coefficients. 

The minimum total drag and optimum total suction coefficients are 
presented in Figures 83 to 85 for the three Mach numbers. The optimum data at 
M = 2.5 and at the low Reynolds numbers at M = 3.0 were observed in the first 
tests; the high Reynolds number points at M = 3.0 and all values at M = 3.5 
resulted from the second tests. The minimum total drag coefficients near the 
trailing edge (xralce = 37.8 inches = 0.97 c) were slightly lower than two times 

the friction coefficient of a laminar plate at M = 2.5 and 3.5 and approximately 

^^ Cflara plate at M = 3.0 and Reynolds numbers beyond 13 x 10°. The optimum 

total suction coefficients were near 2.5 x 10  at M = 2.5, near 3.0 x 10"^ at 

M = 3.5 and above 4.0 x 10  at M = 3.0.  Lower drag and suction coefficients 
were observed at stations ahead of the trailing edge. 

The variation of (CD,.)   and (C^)   with Mach and Reynolds t min       t min 
numbers is not as uniform as was observed on the flat plate model (Section II, 
Part 2, Chapter A). The data indicate e  rather high degree of sensitivity toward 
the suction system. Apparently, it Is not possible to use one suction arrange- 
ment for the whole Mach and Reynolds number range which was covered In this test 
program. A further discussion of the test results will be presented in the fol- 
lowing section In connection with theoretical developments of the laminar boundary 
layer at typical test conditions. 

(F) Comparison of Tost Results with Theory 

Calculations of the development of the laminar boundary layer over 
the 36° swept wing of 3-pürcent-thick biconvex section were conducted by means of 
the method of Reference 45 at Mach numbers 2.5, 3.0 and 3.5 and suction distribu- 
tions which were close to experimental cases.  The potential flow pressure distri- 
bution was determined by means of second-order theory.  The suction distribution 
is defined by an equivalent continuous inflow coefficient 

f * - 0w vo p. 

"CO  ^GO 

which is related to the individual suction coefficient Cy, by the equation 

Ak 
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(F) Comparison of Test Results with Theory (continued) 

where A^ is the length of the k " suction chamber; uniform suction is assumed 

through each chamber. Parameters for estimating the stability of the boundary 
layer are the Reynolds numbers Rj,  based on the momentum thickness 6SS in the 

direction of the local streamline and the crossflow Reynolds number Ro#i based 

on maximum crossflow velocity and a boundary layer thickness defined as the 
height where the crossflow velocity is one-tenth of its maximum value. The 
theory provides both Reynolds numbers divided by /Rc. 

Theoretical drag coefficients were computed in the same manner 
as they were evaluated from the wind tunnel tests.  The detailed expressions 
are presented in Part (I) of this report.  Numerical values of the chord Reyn- 
olds number Rc were selected so that the theoretical data could be compared 

with the experimental results. 

Boundary layer calculations were conducted for the following 
cases: 

y*r 

2.5 1.222 
2.5 2.013 
3.0 1.840 
3.0 1.982 
3.5 1.698 

Suction Distribution 
Selected from 

First tests 
Second tests 
First tests 
Second tests 
First tests 

Drag Comparison at 

10"6 Rc 

13.5, 21.0 
13.0 
25.5 
20.2 

Figure 
Numbers 

11.1, 16.6, 19.8   86a, b, c, d 
87a, b, 
88a, b 
89a, b 
90a, b 

The suction distribution in Figure 86a at M = 2.5 is typical 
of the first tests -- high suction in the first chamber, low suction in chambers 
2, 3 and 4. The effect of this non-uniform distribution on the developments of 

jj  and RQ.I is quite insignificant, which confirms the conclusion discussed R Jss 
in the previous section that some disturbance must have existed in the front part 
of the model which caused boundary layer instability at higher suction quanti- 
ties. The agreement between theoretical and experimental drag data (Figures 
86b, c, d)  is satisfactory, except for the higher values of CDW near the trail- 

ing edge which were probably caused by shock interference.  Figures 86b, c, d 
include numerical values for the crossflow Reynolds number; they exceeded the 
value of 250 in the rear portion of the wing. The streamwise component of the 
boundary layer was rather stable.  Rj,  /V/Rc 'ss 

0.3 for x/c > 0.6, so that 

R» 
'ss 

1350 at R„ ~ 20 x 10°. 

The second calculation at M = 2.5 was conducted at a suction dis- 
tribution typical for the second tests (Figure 87a).  The agreement of the 
experimental drag coefficients with the theoretical values is good at 

Rc = 13.5 x 10° (Figure 87b); the experimental values of Cn are 40 to 50 

percent higher than the theoretical data at Rc = 21.0 x 106 (Figure 87c). 

Crossflow Reynolds numbers with laminar flow stayed below 200. 
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(F) Comparison of Test Results with Theory (continued) 

The nearly constant suction distribution at M = 3.0 (Figure 88a) 
agreed with the experimental data presented in Figure 88b, except that suction 
was lower by nearly 20 percent in the third and fourth suction chambers. The 

experimental wake drag coefficient at Rc = 13.0 x 10° increased rapidly over the 

last 10 percent of chord.  The maximum crossflow Reynolds number with laminar 
flow was of the order of 130. 

The second suction distribution at M = 3.0 (Figure 89a) was 
typical for the second tests -- high suction in front, low in the rear. At 

Rc = 25.5 x 10^, it produced crossflow Reynolds numbers which increased from 

R0.1 = i^0 at x''c ~  0*7 to R0.1 = 280 at x/c = 1■•0• T':ie measured wake drag 
coefficients were 30 to 50 percent higher than the theoretical values.  The 
experimental and theoretical boundary layer velocity profiles for this case 
are shown in Figure 91. The two profiles agree at x = 32.8 inches except for 
a small thickening near the outer edge (u/U > 0.95); the experimental profile 
at x = 37.8 inches deviates more from the theoretical profile at velocity ratios 
u/U > 0.8. 

At M = 3.5, the experimental values of CDW were about 50 percent 

higher than the theoretical values (Figure 90b). The crossflow Reynolds number 
increased from RQ,! = 190 at x/c = 0.7 to RQ^ = 315 at x/c = 1.0.  The stream- 

wise boundary layer component is quite stable, Rj, _ = 1200 at x/c = 1.0 and 

Rt = 20.2 x 10
6. 

The high wake drag coefficients at M = 3.0 and 3.5 and 

Rc > 20 x 10° (Figures 89b and 90b) occurred at crossflow Reynolds numbers 

near 300.  This might lead to the conclusion that the crossflow stability limit 
was exceeded by a large margin.  Since Figures 86b to d showed good agreement 
between theory and experiment up to RQ.I ~ 250, this value should be considered 

as an upper limit of the crossflow Reynolds number near the trailing edge of 
the wing. 

For a few cases, the thickness of the sucked layer was computed 
and compared with the actual slot width.  At M = 3.5 the slot widths were about 
2.2 to 2.5 times larger than the thicknesses of the sucked layer.  Apparently, 
with the low values for the clot flow Reynolds number,* no disturbances developed 
at the slot inlets which affected the stability of the boundary layer flow.  The 
high suction quantities in the front half of the model which were required to 
maintain laminar flow at M = 2.5 and 3.0 (typical suction distriuutions are 
incluJed in Figures 87a and 89a) resulted in a ratio of slot width to thickness 
of the sucked layer of the order of 3.0.  It is possible that at lower suction 
quantities, the discrepancy between slot width and thickness of the sucked 

*The slot flow Reynolds number, Rs, is defined by the slot width, the average 
inflow velocity into the slot and the wall density and viscosity.  Its value at 
M = 3.3 was always below 30.  Flow separation effects are not expected to become 
serious before Rs exceeds a value of ~ 12Ü. 
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(F) Comparison of Test Results with Theory (continued) 

layer might have been so large that the separation of the sucked air at the slot 
entrance caused major disturbances to the boundary layer flow. The assumption 
that the flow did not attach to the slot walls is confirmed by the fact that 
considerably higher pressure losses through the skin were measured than was com- 
puted under the assumption that the sucked air filled the slots uniformly. 

The slots of the modified suction arrangement were built so wide 
in order to reduce the pressure losses through the skin and to provide adequate 
suction quantities, especially for the tests at M = 3.5. Probably, these slot 
widths were too wide for tests at optimum suction distributions and the lower 
Mach numbers where smaller volumes of air have to be sucked through the slots. 

(G) Determination of Suction and Drag Coefficients of 
Untapered Swept Wings in Compressible Flow 

The suction and drag coefficients of an untapered swept wing shall 
be referred to quantities measured in flow direction, such as undisturbed velocity 
Qoo and chord length c (Figure 75). The local suction coefficient of the k£^ 

chamber, which is located between the chordwise stations Xj*, and xjL.i and has an 

average span bJ (measured perpendicular and parallel to the leading edge) is 

defined by 

wk l   ^
+1 

C
Wi       p.Qocg c bk " bj      ,      ^7^ Dk c 

k k 

Pw vo . , dx' 

where v0 is the continuous inflow velocity through the skin, Pw = wall density, 
bjcc = b'c'. The total suction coefficient per unit span is equal to 

1 n f  p  v 
y r      , r  w o J * CI.J  = ^ CM  =      "  '  d — Jt  ,, Jk  •'  P« Qro  c 

The suction drag coefficient of the k  chamber is defined as 

2 Ds. M? T_ 
sk  p^Qm^ b, c    K     M ^ T 

CO <•»     ]( CO     CO 

where II  is defined by the static pressure p  inside the kth suction chamber: 
k sk 

P» -286 
vl   = 5 1 (—)    - 1 1 

5k 
sk     Ps, 
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(G) Determination of Suction and Drag Coefficients of 
Untapered Swept Wings in Compressible Flow (continued) 

It is assumed that the air from the k  chamber is compressed to ambient pressure 
p^ and accelerated to freestream velocity Q^t The total suction drag coefficient 

is given by 

Ds   k Dsk 

The wake drag E^ is defined as the momentum loss of the external 
air. Its value for a two-dimensional swept wing in incompressible flow has been 
derived in Reference 69, The same procedure can be applied to compressible flow. 
The momentum loss of the air in a spanwise section of width b» (s " Figure 75) 
is determined by 

Dw* dy' PuUu« - u) cosO + (V^ - v) sinG] dz, 

where the integrations have to be carried out far enough downstream of the wing. 
The wake drag coefficient On is equal to 

CDw* 
2 D, w b» 

P^Q» b»c ,  b'c' 
dy« 

n., U_ - U        V„, - U 
^L- (J^—cose + -V^ sine>dz 

ii. (1 
P um 

iL) cosJe dz + Pu (1 - JL) cos? sin29 dz" (1) 

= nr 
PxU_ (1 - ~)  cos'e dz + 

pu 
IT (I PaoU, 

V ^    ■      2~     A rr-)   sin c dz 

(Hote that b« = b/cos-3, c' = c cos", b'c' = be.) 

The following displacement and momentum thicknesses can be defined 
on a swept wing (the subscript 1 refers to the conditions at the outer edge of 
the boundary layer): 

J 
o 

(1 . .£iL)dz, 

« I JiL (1 - ü)dz, 
O       i 

^   -I PTU 
(1 - ^)dz. 
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(G) Determination of Suction and Drag Coefficients of 
Untapered Swept Wings in Compressible Flow (continued) 

Then Equation (1) can be written as 

% = f C(6uu)» cos29 + (6^ sin2e] (2) 

The subscript CD has been added to indicate that the values of the momentum thick- 
nesses have to be evaluated infinitely far downstream. 

The relations between the momentum thickness at infinity and at 
the trailing edge of the wing can be obtained in the usual way from the momentum 
equations of a swept wing in compressible flow, which can be written (Reference 
112)in the form 

^.(PlUVß^) =0 

since there is no friction aft of the trailing edge. Integrating these equations 
between the trailing edge and infinity results in 

Hy + 2 - IL M2 
U,e        Q

2 

(6 ) = (5 )  (-E£) (3) uu'c  v uu^e v u» w 

(PxU) 
(6  )  = El (6  ) f4) 

vu'    DU    vu^ V'H'' 

Use has been made of the relations 

J-lil = .4udU(   and    „        iu.. 
0!   dx1 Q2      dx' u      S^u 

The bar on top of the exponent in Equation (3) means the average value of the 

expression between the trailing edge and infinity, Q2 » U2 + V2, V = V^ = const, 

M = Q/a. Introducing Equations (3) and (4) into (2) leads to 

 Ü7 1^ + 2 - IL 
CDw " c .^"^ce ^ C0S ' + "Or ^^^e Sin 8/     (5) 
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(G) Determination of Suction and Drag Coefficients of 
Untapered Swept Wings in Compressible Flow (continued) 

This expression can be simplified by utilizing the fact that 
the potential flow velocity at the trailing edge is only a few percent higher 
than the freestreara velocity, so that only the first-order terms of 

Qte 

^ = Q 7 " 1 

have to be considered.     This  leads to the following approximate  relations: 

2 2 2 2 
from \Jte = Qte - Qoo sin 9  follows 

(ütef =       1      (!Wj2 .  sinji =  1 + 2T] -  sin
2e =  1 + _ill 

VU«, /        cos 9 Viyco  '        cos^G cos^9 cos 
Ute 

9 cos^e 

= 1 + ^Ä (6a) 

The density ratio at the trailing edge is defined by 

£f=[1.^f£((Sf)2.1)]-^14((2ff.1) 
Pte      2 
^= 1 - Mcc T] (6b) 

The Mach number ratio at the trailing edge is related to the velocity ratio 
in the form 

^te _ Ute   Jl±.^ 
Q;o M*        ^    1   +    .2Mt te 

(-) " 

2    itr or    /Mte\ VQ-   ' 1.+   2T „ 
1 ; ^ r- '-= i + 2i, (i + .2M£) 

- ■** m ■') 1   -   .4Mi, Tj 
vQ, 

M 
-^ = i t- (i + .ini) i (6c) 

Equations (6a) and (6c) can be used to du to mine 
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(G) Determination of Suction and Drag Coefficients of 
Untapered Swept Wings in Compressible Flow (continued) 

Ute _ Ute Qte ^ ^ J1 + 3?) ^ -^ T) (l ^ .2Mi)j cose 

ate  U
ro 

ate  Qte ^ l + ^ 

= M^  cose [l + I] {-^IQ  + 1 + .2M^ - lj_ 

Ute /   1 + .2M£ cos2e  \ ,,^ 
—-^ = M^ cose (l +  7  T|) (6d) 
ate   m \ cos 6      ' 

Later in the derivation the following quantities will be used: 

/V\    uco tane    tano     t  , /,    Ti  \ ,.   . 
luL   = TZZ— = TT" 

= tane   l - —XT (6e) 
\u/te ute i + —Lu_ \ cos e / 

Evaluation of the exponent of U^/V^  in Equation (3) requires an estimate for 
the expression Hy = 6U/6UU. On a straight wing (Reference 123) it is assumed 
that the flow becomes turbulent aft of the last suction slot so that the value 
of U  is taken as that of a flat plate at the local Mach number M.  In case of 
a swep'. wing, the additional assumption is made that the u and v components of 
the boundary layer are similar, u/U = v/V; this was confirmed with sufficient 
accuracy by laminar boundary layer calculations on thin swept wings with super- 
sonic leading edges up to 50° sweep.  Since the compressibility correction for 
the displacement and momentum thickness depend only on the density, which is a 
function of the resultant velocity, the resultant Mach number and not the com- 
ponent in chordwise direction has to be taken for estimates of 6U and 6Uu«* 
Therefore, the same expressions can be used for Hu which were developed in 
Reference 123: 

(Hu)to = 1.29 + Ü.44 M^,  (Hu)x = 1.00 + 0.40 M£. 

Introducing the first-order terms of Equations (6a) through (6f) result in 

2,    , ,„2. IT  1        1 1 /U \    1 /U \ 

*Tliis  formulation was  suggested  by  J.  Goldsmith,   Norair Boundary  Layer 
Research Section. 

-473- 



(G) Determination of Suction end Drag Coefficients of Untapered 
Swept Wings in Compressible Flow (continued) 

- i {l.29 ♦ .44 M^    [I ♦ 2T1 (1 ♦ .2 MÜ)]}  ♦ I (1 ♦ .4 Ä ♦ 2 

- i M£ cos2G Cl + JIL. (1 + .2 MI cos2e)] - i M2 cos2e 2 cos^ 2 

« 3.145 - .58 M2 cos2e + .42 M^ sln2e + ( ) T] 

U2 y  Hu + 2 - -^ 
(~)       a - 1 + (3.145 - .58 M2 cos2S + .42 M2 sln2e)  T1 

cos 9 

pteUte  . , , 1    M2N -n 
p«u»      cos^ 

Introducing these expressions Into Equation (5) provides 

^-H^uu^^^+^vu)^^20 

+ 11 J3.145 - .58 M^ co829 + .42 ^ sln^) (6uu)te (7) 

+ (1 - ^ cos2e) (Svu)^ tan2e]} 

This expression has to be modified since 6UU and 6^ cannot be 
measured directly. The streamlines at the outer edge of the boundary layer and 
their normals are introduced now as new coordinates and the local boundary layer 
velocity components u and v are transformed to s and n (see Figure 75) by means 
of the relations 

U  , V V    U s» — u+--v,      n»-^u*-v 
Q   Q Q   Q 

The boundary layer thicknesses in these new directions are defined as follows 
(see Ref f!nce45; note that the present notation is different from that of 
Reference ^ jM 
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(G) Determination of Suction and Drag Coefficients of 
Untapered Swept Wings in Compressible Flow (continued) 

5s = (1 - -EDdz 6n = 
Pn 

P^ 
dz 

ss -Pi- (1 - i)dz 
P^    Q 

6 

&     = I" -£2L. dz ns      o 
o PiQ2 

nn 
o ^1 

_Pn_ dz 

The following relations exist between the different boundary layer thicknesses; 

uu   ss Ty v ns   nJ  Ty ns  ~ nn (8a) 

6\m = 6ss +77 <6ns  "  6n)  " Ü 6ns + 6 nn (8b) 

6UU cos29 + 6^ Sin2e  = 6SS + I (6ns - 6n) 

• • 

;2        o2   .^2 
M-i^ (^ - g 5nJ nn      v    ns' (8c) 

The theoretical boundary layer calculations on the present con- 
figuration at Mach numbers between 2,5 and 3,5 showed the following orders of 
magnitude: 

6ns - 6n < 0,02 6SS 6nn < 0,001 6SS 6ns < 0.06 6SS (8d) 

Since the factor of (6nn - - 6ns) in Equation (8c) is small 

1 (see Equation 60 — Equation (8c) can be approximated by 

of the order of 

(6UU)  cos20 + (6VU)^_ sin
20 « 6 

te te ss 

(iuu\, and (6uv^te occur separately in Equation (7) as factors of r.     Introducing 

the approximate values of Equation (8d) into (8a) and (8b) shows that (6,,,,)  and 
(£uv^te deviate from öss by small quantities.  In first-order approximation there- 

f0^ ^uu^. ''ss^g Ti and 

Üw 
- [1 + (3.145 + tan2e - 0.58 M2)Ti (9) 



(G) Determination of Suction and Drag Coefficients of 
Untapered Swept Wings in Compressible Flow (continued) 

where 

n = <te 

Since the streamline direction at the trailing edge deviates from the freestream 
direction only by a few degrees (the angle is proportional to T]), the boundary 
layer rake in flow direction determines the value of 6SS with sufficient accuracyi 

Since the measured streantwise boundary layer velocity profiles 
near the wing trailing edge of the model deviated from the theoretical ones by 
a certain amount, as was discussed in Part (F), it is possible that the order 
of magnitude of the crossflow boundary layer quantities 6n, 6ns, 6nn is differ- 
ent from the theoretical estimates mentioned above. But it is expected that 
they remain small enough so that the accuracy of Equation (9) is not affected. 

(H) Evaluation of Wake, Suction and Total Drag Coefficients at 
an Arbitrary Chordwise Station from Theoretical Boundary 
Layer Calculations 

The boundary layer calculations were conducted at a certain total 
suction coefficient, defined by 

CWt ^c * f* d 

At an arbitrary station x < c: 

CW>)   = 
W^x)     _ i 

PooQcoSx ~ x/c /Rc 

x/c 
f * d - 

o      c 

The wake drag coefficient is defined by 

/   v       2Dw(x)       26    (x)   r 0(x) 

^ PcoQ^X X Qco 

f(Mro>9)  = 3.145 + tan29  - 0.58 M2 

S„(x) 
The boundary layer  integration progrw. (Reference 45)   provides  6* (x)   = —52 ,/R  ; 

ss 
therefore 
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(H) Evaluation of Wake, Suction and Total Drag Coefficients at 
an Arbitrary Chordwise Station from Theoretical Boundary 
Layer Calculations (continued) 

cD (x) «-ilk- [i + (%I - i) f (^,e)] 
W       X/C /Rc QCO 

The suction drag coefficient Cj) is proportional to Cy . An average factor 

was evaluated from the present tests. The curves of Cp vs Cw in Figures 

76 to 82 can be approximated by 

CD (x) = Cw (x) [i + 100 l-k Cw (x)l. 

Finally, 

CD (x) = CD (x) + CD (x) ut     uw     us 

The local crossflow Reynolds number RQ ^ is obtained from the 

value RQ I//RC> which is tabulated in the boundary layer integration program, 

(I) Conclusion 

Low drag boundary layer suction experiments on a 36° swept wing 
of 3-percent biconvex cross section (perpendicular to the leading edge) pro- 
vided the following results: 

(1) Laminar flow was maintained up to the highest possible 

Reynolds numbers; R = 17 x 106 at M « 2.5, R =.25 x 106 at M = 3.0, and 

R = 20 x 106 at M = 3.5. 

(2) The minimum total drag coefficients measured near the trail- 
ing edge of the wing (x = .97 c) were close to twice the friction coefficient of 
a flat plate at M -• 2.5 and 3.5 and about 2.4 times Cf,   ,   at M = 3.0. 

Ham plate 

(3) Optimum total suction coefficients were below 3.0 x 10 

at M = 2.5, near 4,0 x 10"4 at M = 3.0 and near 3.0 x 10"4 at M = 3.5. 

(4) The theoretical laminar boundary layer development at typi- 
cal suction distributions provided crossflow Reynolds numbers near the trailing 
edge up to 250 with laminar flow and values up to around 300 with low total 
drag coefficients. 
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(*) Conclusion (continued) 

< (5) The model was sensitive to suction. Two surfaces with dif- 
|| ferent slot widths were tested. The narrow slots (first tests) provided better 
I results at M = 2.5; the wider slots (second tests) were better at M = 3.5. 

i 

■ • 
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b. BOUNDARY LAYER TRANSITION MEASUREMENTS ON SWEPT WINGS AT 
SUPERSONIC SPEEDS 

E. E. Groth 

(A) Sunmary 

Boundary layer transition measurements were conducted in AEOC 
Tunnel E-l on two-dimensional swept wings of 24, 36 and 50° sweep at Mach num- 
bers between 2.5 ami 5.0. Two models were built; one had a 3-percent-thick 
biconvex section, and the other section was a combination of a straight wedge 
with a biconvex section. The test results showed a strong dependence on the 
leading edge bluntness. The measured reduction of transition length Reynolds 
number due to sweep was of the same order as obtained on blunt flat plate models 
from earlier NASA measurements. The effect of the two different airfoil sections 
on transition was negligible. 

(B) Notation 

9 45 
c      wing chord in flow direction, c «   = (in.) 

cosA 

x lengthwise coordinate measured in flow direction 

xT distance to transition 

Q local resultant potential flow velocity 

Q^ freestream velocity 

6 momentum thickness in streamline direction 

.(1) ■ Qaj/Vao» unit Reynolds number 

Rj ■ xxRl   » transition Reynolds number 

Rg ■ 9Q/u, momentum thickness Reynolds number 

*0,l " "max^O.l^"» crossflow Reynolds number 

ng^x   maximum crossflow velocity 

fyj.l    height in boundary layer where crossflow velocity 
n ■ O.lnaax 

A      sweep angle 

(C) Introduction 

The available information on boundary layer transition on swept 
wings at supersonic speeds is rather small. A few tests conducted on flat swept 
surfaces (References 113 & 114) showed a reduction of the transition Reynolds 
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(C) Introductton (continued) 

number with increasing sweep angle. A theoretical analysis (References 114 and 
115) confirmed this trend by computing the local flow conditions aft of the 
detached shock wave which develops ahead of the blunt leading edge of a swept 
wing. An additional reduction of the transition Reynolds numbers on swept wings 
seemed to be caused by the boundary layer crossflow at the blunt leading edge. 
Since any curved airfoil section on a swept wing causes additional crossflow 
components along the whole wing chord, a wind tunnel program was conducted at 
AEDC Tunnel £-1 for the purpose of investigating the effect of two different 
airfoil sections on boundary layer transition at various sweep angles and Mach 
numbers. 

(D) Description of the Model and Its Instrumentation 

Since the original purpose of the tests was to provide boundary 
layer transition data for the 36° swept suction wing (Chapter C-a above), the 
model had the same cross section as this suction wing. The upper surface was 
a 3-percent-thick biconvex section; the lower surface was flat with an 11.84° 
bevel angle at the leading edge (both values measured perpendicular to the lead- 
ing edge). The sides of the model were cut off in such a way that the model 
could be rotated about its central mounting sting to any sweep angle between 24 
and 50°. 

In order to investigate the effect of crossflow on boundary layer 
transition, a second model of the same planform and a modified airfoil section 
was built. The second model had a straight wedge section over the first 17 per- 
cent chord, followed by a biconvex section of slightly larger curvature to match 
the total thickness ratio of the first model. The actual coordinates of the two 
sections are defined by the following equations: 

Biconvex Section Modified Section 

y « 0.06 x (1 - x)     y - 0.045 x 0 s x <: 0.16667 
y » 0.0675 [xd - x) - 0.02778]    0.16667 s x s 0.83333 
y » 0.045 (I - x) 0.83333 s x s 1.00 

The coordinates x and y are made nondlmensional by the chord length (c > 9.45 
Inches, measured perpendicular to the leading edge). 

Since the bottom surface had a steeper slope than the upper side 
near the leading edge, it was considered possible that the unsymmetric flow field 
near the leading edge at zero degree angle of attack might affect the boundary 
layer development on the test surface. Arrangements were therefore made to test 
both models at angles of attack at which the pressures on the top ami bottom sur- 
faces were equal near the leading edge. This angle was or » -4.20° for the bicon- 
vex section and -4.63° for the modified one, both angles measured perpendicular 
to the leading edge. 

Transition was measured with a movable total head probe. For the 
observation of possible spanwlse effects, three probe heads were mounted on a 
holding fixture and moved simultaneously along the wing. The position of the 
probe heads was adjustable in chord and spanwlse directions. Pressure trans- 
ducers were located inside the housings close to the probe tips so that the time 
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(D) Description of the Model and Its Instrumentation (continued) 

lag of the pressure readings could be neglected. Reference pressures for the 
transducers could be provided by a total head probe outside the boundary layer 
or by some outside source» such as tunnel freestream static pressure or vacuum. 
Since the moving mechanism for the probes was located in a fixed position in the 
center of the tunnel, the individual probe heads had to be built in such a way 
that they could follow the curved wing surface at both angles of attack. The 
probes were held against the surface by a magnet. The heads were movable around 
a pivot point, and the height above the surface was self-adjusted by a shaft 
mounted in ballbearings. The moving mechanism was available from previous, simi- 
lar tests conducted by ARO, Inc. (Reference 116). 

The model was equipped with three rows of static pressure orifices 
for checking the surface pressure distribution. A surface spray suitable for 
blowdown tunnel operation was developed at ARO and used as an alternate method 
for detecting transition. 

Two sketches of the model, its instrumentation and its mounting in 
the tunnel are presented in Figures 92 and 93, two photographs in Figures 94 
and 95. The shapes of the biconvex and modified airfoil sections are compared 
in Figure 96; the selected spanwise stations|for the three probe heads at 
the three sweep angles of 24, 36 and 50° are shown in Figure 97. 

(E) Results of the Transition Measurements 

A complete description of the tests, the recording and evaluation 
of the transition traces from the pitot probes and the test results are presented 
by S. R. Pate, project engineer at ARO, Inc., in Reference 91. Since the report 
was not available in time to be included in this place, some of the test results 
are submitted and discussed in this chapter. 

Figures 98 to 100 present the transition Reynolds numbers Rj vs 

freestream unit Reynolds number R41' per inch for the three sweep angles of 24, 

36 and 50° and Mach numbers 3.0 and 4.0 and the two airfoil sections. RT is 

defined by 

Rj » xx Ra 'OS 

where xj and Q^ are measured in flow direction. Station xj  is defined as the 

beginning of transition, i.e., the point where the chordwise trace of the total 
pressure near the surface starts to deviate from its trend in laminar flow (for 
details see Reference 91). The local Reynolds number at station xj was not much 

different from the freestream or 50 percent chord value at o = 0°; the largest 

discrepancy occurred at the stagnation point where R,.!*  was less than 10 per- 
(1) »vagn 

cent larger than R^,1' for the sweep angles and Mach numbers under consideration. 

All measurements show a spanwise variation of transition; the 
upstream portion of the swept wing had larger transition lengths than the down- 

stream portion. The increase of transition Reynolds number with Ril) is linear 

in log-log scale, except for a few data at 50° sweep. The exponent n In 
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(E) Results of the Transition Measurements (continued) 

RT ~ tRoo  1 

varied with the test condition; it is plotted versus sweep angle in Figure 101 
for the three cases presented in Figures 98 tolOO. At A = 24 and 36°, the 
values of n scattered around the value of 0.5, which occurred frequently at 
flat plate measurements; n was considerably lower at A = 50°. 

The variation of Rj with Mach number (Figures 98 and 99) was 

small; slightly lower values were recorded at M = 4.0 than at 3.0. Reference 
116 shows nearly constant Kj values on a hollow cylinder in this Mach range. 
The modification of the airfoil section (Figures 98 and 100) had practically 
no effect on transition at M » 3.0. 

The effect of sweep is shown in Figures 102 to 104, where Rj is 

plotted versus A for the three cases of Figures 98 to 100 at two values of the 

unit Reynolds number, R^  »0.3 and 0.6 x 10°. Included for comparison are the 

(RT). 
results of Reference 114 where . .   was plotted versus A for a swept plate with 

^ A-0 

a leading edge thickness of b « 0.005 inch. The values of Rj for zero sweep were 

selected so that the curves from Reference U4 matched the present test results 
obtained with probe number 1. The variation of Rj with sweep angle of the pres- 

ent test program agrees rather well with the measurements of Reference 114. 

The exact values of the leading edge thicknesses of the present 
models were checked by AR0 personnel and the following values were obtained: 

Near Probe    Biconvex Model    Modified Section 

1 0.0060 0.0065 
2 0.0070 0.0070 
3 0.0080 0.0075*0.0080 

The spanwlse variation of Kj measured in the present test program 
can be explained by this spanwlse increase in leading edge thickness, b. The 
increase of b has two consequences: (1) (RT^»äO increases with sweep (e.g., 

(1) 
References 114 & 116), although it might be negligible at Rb « bR«,  ~ 3000 and 

the rather large bevel angles (Figure 24, Page 66 of Reference 116); (2) the 

(RT)A 

ratio Tr-r decreases with increasing b, as shown in Reference 114. According 
r A«0 

to this reference, Kj  is reduced at M <■ 3.0 by about 5 percent at A B 24°, by 
24 percent at A ■ 36° and by 33 percent at A * 50°, when the leading edge thick- 
ness is increased fron the value 0.005 to 0.007 inch. The present test points 
of Figures 102 to 104 agree with these reductions fairly well. 
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(E) Results of the Transition Measurements (continued) 

The present tests seem to prove that boundary layer transition on 
a swept wing with supersonic leading edge is primarily determined by the bluntness 
of the leading edge. The crossflow which develops at the rounded nose has a 
stronger influence on transition than the crossflow resulting from the pressure 
distribution over the airfoil section. 

This fact seems to be in agreement with the results of theoretical 
laminar boundary layer calculations which were conducted at M » 3.0, A « 24, 36 
and 50° for wings with infinitely sharp leading edges. The basic results of the 
calculation, the crossf low Reynolds number RQ.I and the streamwise momentum thick- 

ness Reynolds number RQ, both divided by /Re where c is the reference chord length 

in flow direction, are plotted in Figure 105 for the three sweep angles. Intro- 
ducing the chord length of the present tests 

results in crossflow and momentum thickness Reynolds numbers which are plotted 

versus unit Reynolds number R„  per inch in Figures 106 to 108 for the three 

sweep angles. The test results from probe 1 (Figure 98) are included, too. It 
follows from these curves that the experimental transition locations occurred at 
the following values of RQ.I and Rg: 

(dec)     ^.l        5ä 

24 160-140 800-1100 
36 140-120 700-1000 
50      120-80     650-800 

The first values of Rg^andRg occur at low unit Reynolds numbers [R«,  ~ 0.3 x 10 ), 

the second values at Ri1' ~ 0.8 x 10^. The values of RQ#1 and Rg for A " 24° 

might be high enough to cause transition; at A B 36° and A ■ 50° the additional 
crossf low contribution from the blunt leading edge seems to be necessary to cause 
transition. 

<F> Coqc^ons 

Boundary layer transition measurements on swept wings at supersonic 
speeds provided the following results: 

(1) The transition Reynolds number Rj> « xjR^ , where xT and 

R^  are determined in freestream direction, is reduced with increasing sweep 

angle. The amount of the reduction depends primarily on the bluntness of the 
leading edge. The effect of the airfoil section is of secondary order. 

(2) The transition Reynolds number increases with unit Reynolds 
number; the amount of the increase becomes snaller with increasing sweep angle. 
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(F) Conclusions (continued) 

(3) The variation of Rj with Mach number Is snail. 

(4) Theoretical boundary layer calculations on models with 
Infinitely sharp leading edges provide crossflow Reynolds numbers and momentum 
thickness Reynolds numbers at the measured transition stations which seem to be 
too small for causing transition. This confirms the predominance of the leading 
edge thickness on transition. 

€• 
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CHAPTER D.  INVESTIGATION OF LAMINAR FLOW CONTROL AIRFOILS SWEPT BEHIND THE 
MACH ANGLE 

a. LOW DRAG BOUNDARY LAYER SUCTION EXPERIMENTS ON A 72° SWEPT WING 
MODEL AT MACH NUMBER 2.0 AND 2.25 

J. Goldsmith 

(A) Summary 

An investigation was made to determine the effectiveness of 
combining the advantages of laminar suction with sweepback in excess of the 
Mach angle for the purpose of obtaining low drags on supersonic airfoils. 
This initial investigation was limited to that portion of a wing over which 
the flow could be considered two-dimensional in nature, i.e., the region where 
the flow field was similar to that of an infinite swept airfoil. Calculation 
of the drags for such an airfoil indicated encouragingly low drags and a wind 
tunnel model simulating a long swept airfoil was designed for Mach 2.0 and 
tested at Mach 2.0 and 2.25 in order to confirm the results of the calculations. 
Although the measured total drags were somewhat higher than the calculated 
values, they were respectably low (CD < 1.4 x 10"-^ at C-L ss 0.068) for upper 
wing surface only, and it is clear that laminar flow is possible for super- 
sonic wings swept behind the Mach cone. The approximate lift coefficient of 
0.068 was determined from measured pressures on the upper surface and an esti- 
mated lower surface pressure distribution. Its value was less than predicted, 
but there is no indication that it could not be increased to a CL = 0.09 or 
better by increasing the angle of attack or design camber of the airfoil. 
Calculations indicated that the airfoil would be supercritical (supersonic 
velocity component perpendicular to the leading edge) at Mach 2.25, but because 
the lift coefficient was lower than predicted the measured flow was everywhere 
subcritical at this higher Mach Number, and the measured total drag coefficients 
{CDt < 1.6 x lO"-') indicated laminar flow. 

(B) Notation 

a      velocity of sound 

c      wing chord measured parallel to flow direction (c = 33 in.) 

c'     wing chord measured perpendicular to leading edge 
(c1 = 10 in.) 

d suction metering hole diameter 

CJJ drag coefficient 

CD equivalent suction drag coefficient 

Cjj total drag coefficient 

CD     wake drag coefficient 
w 

C^     lift coefficient 

C'      lift coefficient based on flow perpendicular to leading edge 
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Cy     suction mass flow coefficient 

e      exponent for use In wake drag correction (defined In Part M) 

t* =.Pwl /Re 

f      suction velocity at airfoil surface for (equivalent) con- 
tinuous suction 

Fj     chordwise momentum thickness factor (defined In Part M) 

F2     spanwlse momentum thickness factor (defined in Part M) 

Hy     boundary layer shape factor for the u component profile 
«u = 6u/öuu 

k.1 limit  constant for empirical wake crossflow correction 

kg     constant for empirical wake correction that determines slope 
at S*s/Ks = 0 

kg     factor to make wake correction independant of (V/U)te 

M      Mach number 

n      boundary layer velocity component perpendicular to potential 
flow direction 

n      maximum boundary layer crossflow velocity 

P      pressure 

^P     pressure decrement with respect to PTO (Ap = P^ - P) 

q      resultant boundary layer velocity 
qco     dynamic pressure at infinity (q^ = puuQ

2/2) 

Q     resultant potential flow velocity 

Rc     airfoil Reynolds number (Rc = Q,,, c/") 

RQ.I    crossflow Reynolds number (R0 . = n,^^ to.l/Vl^ 

s      boundary layer velocity component in streamwise direction 
(parallel to Q) 

s*     perpendicular distance along airfoil surface from airfoil 
leading edge 

u      boundary layer velocity component perpendicular to leading edge 

AU     velocity increment relative to freestream velocity (AU = u - UT.) 
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V 

w 

x 

xt 

y 

y 

z 

'0.1 

or 

a« 

Y 

6n 

5nn 

6ns 

5ss 

J ss 

6 uu 

potential flow velocity component parallel to leading 
edge (V = Vro) 

boundary layer velocity component parallel to leading edge 

slot width 

chordwise distance in streamwise direction 

chordwise distance perpendicular to leading edge 

spanwise coordinate perpendicular to streamwise direction 

spanwise coordinate parallel to leading edge 

distance perpendicular to airfoil surface or vertical coordinate 

boundary layer height to point where n = 0.1 nmax (largest 
distance) 

angle of attack 

angle of attack for flow ceaponent perpendicular to the 
leading edge 

1 

00 

'I 

metering hole spacing 

- i' p n dz 
Pi Q 

P n2  dz 
T^Q2 

- I  P n s  dZ 

o Pl Q1 

— SS  /■ 

4^ (i-?>^ 

vu 

vu 

b PIT <1 - ?>d2 

= övu  AR, 

sweep angle (^ = cos"1 0.3 ^ 72.5°) 

density 

kinematic viscosity 
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Subscripts 

a corresponding stagnation condition for Isentropic compression 

c corrected for crossflow in wake 

i Incompressible 

n based on n component of velocity 

r based on resultant local velocity 

s based on s component of velocity 

u      uncorrected for crossflow in wake or based on u-component 
of velocity 

v based on v component of velocity 

00 freestream conditions at infinity 

1 outer edge of the boundary layer 

te trailing edge of airfoil 

w at wall or airfoil surface 

(C)     Introduction 8, 
"] 

Although the application of laminar flow control (or, | 
briefly, LFC) at supersonic speeds is still in its infancy, sufficient work has 
been done to show that significant reductions in skin friction are clearly possi- 
ble* It is well known, however, that the proportion of friction drag to total 
drag is generally lower at supersonic velocity than at subsonic velocity. The 9 
overall drag improvement obtained by reduction of skin friction as a single 
improvement is necessarily lower, therefore, in supersonic flows. There is an 
associate advantage, however, which makes the application of suction particularly 
attractive at supersonic speeds; namely, the wing area can be increased by a 
considerable factor without appreciably increasing the zero lift drag of the 
complete airplane. This can result in a lower wing loading, greater wing span,        Q 
or an airfoil with lower percent thickness (for a given span) or a combination 
of all three. In such cases the Increase in wing area can result in reduced wave 
drag due to lift or thickness. 

If sweep In excess of the Mach angle is incorporated In the 
design of a supersonic wing, the zero lift vave drag c« be completely eliminated      § 
along the portion of the span where the flow may be considered of a two-dimensional 
nature. The advantages of sweep as a single element for drag reduction roust be 
viewed with caution, however, since the aspect ratio is necessarily low for highly 
swept wings, and the reduced wave drag may be offset by incn-ases in inuiuvd u. u-, 
unless the wing loading is correspondingly reduced. Stated in another way, the 
span roust remain essentially constant for constant induced drag so that the • 
lower aspect ratio associated with high sweep angles leads to a larger wing area 
if the Induced drag is to remain the same. This 1«quired increase in wetted area 
makes the application of laminar flow control especially profitable for highly 
swept wings. 
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(C) Introduction (continued) 

The drag reductions due to sweep also depend on the thrust 
due to so-called "leading edge suction." In practice, it is not always easy to 
achieve this leading edge suction on highly swept wings, primarily because of 
separation near the leading edge. The application of laminar flow control to 
highly swept wings requires heavy suction in the leading edge region. This suc- 
tion, combined with a  typical laminar flow pressure distribution, might 
reasonably be expected to prevent any tendency toward leading edge separation. 

The combination of high sweep angles and LFC, therefore, 
is expected to be doubly potent as a means of reducing the drag at supersonic 
speeds. In addition, the conversion of energy to shock waves is theoretically 
reduced so that this design combination could very well be a partial solution to 
the very important problem of sonic boom. 

This report describes an investigation of laminar flow control 
for airfoils swept behind the Mach cone. This initial investigation was 
concerned primarily with the basic characteristics of infinite swept airfoils 
which have all isobars parallel to the leading and trailing edges o£ the airfoil. 
The infinite swept wing bears the same relation to an actual finite swept wing 
as the two-dimensional airfoil does to a finite straight wing. It represents 
z liritiryo  condition which the performance of the finite wing may approach but 
never quite reaches due to root and tip effects. The finite wing and associated 
three-dimensional effects are tc be covered in a tuture investigation, but in the 
present program it V7as desired to avoid the three-dimensional difficulties that 
occur at the ends of a swept wing panel and to concentrate on determining the 
basic characteristics of an infinite laminar suction airfoil swept in excess of 
the Mach angle. 

The investigation began with a brief study of the require- 
ments of the suction airfoil swept behind the Mach cone. This study was primarily 
for the purpose of determining the probable desired sweep angles, lifu coefficients, 
and other airfoil charactaristics. Since the airfoil requirements were unusual, 
a special airfoil shape was developed for use on highly swept wings. The drag 
was then estimated for such an airfoil, assuming continuous laminar suction was 
applied, and the results were found to compare favorably to those of a straight 
biconvex suction airfoil when allowance was made for the fact that the swept air- 
foil had no wave drag. Finally, a wind tunnel model was designed, built and 
tested to verify the possibility of obtaining low drags. The infinite two- 
dimensional flow characteristics of the airfoil model were simulated by mounting 
a tinite length wing on a plate which was contoured in such a manner that its 
pressure field duplicated the pressure field generated by a forward extension 
of the airfoil section.  Additional description of the model is given in the 
succeeding sections. 

(D) Sweep Characteristics - Requirements for Shockless Flow 

For finite span airfoils which have sufficient sweep so that 
none of the flow components exceed sonic velocity in the plane perpendicular to 
the isobars, it is possible to derive certain relations which are nearly exact. 
These relations are subject only to the degree of approximation encountered in 
the derivation of the well-known supersonic flow equations or in tables such as 
given in reference 117. The relations for infinite swept wings are quite simple 
because the component of velocity along the span is constant, and velocity and 
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(D) Sweep Characteristics - Requirements for Sbockless Flow 
(continued) 

pressure changes occur only in the chordwise direction.  In addition, if the 
chordwise component of velocity remains subsonic, shocks will not form even 
though the resultant of the spanwise and chordwise components is supersonic. 
The charts in Figures }D%  110, and 111 show the limits for shockless flow for 
infinite span swept wings at various fraestream Mach numbers. The points in these 
figures represent the condition where the chordwise component of velocity is 
exactly equal to the local velocity of sound. The distinction between the Mach 
number of the airstream at infinity (Mo,) and the local resultant Mach number 
(Mr) should be carefully noted. The results are plotted with M as the independent 
variable since this is the parameter from which the remaining variables are 
most easily determined. The subscript "a" refers to adiabatic (also isentropic) 
stagnation conditions. 

Two things, in particular, should be noted from inspection 
of these charts. The first is that there are limiting values for local Mach 
number (Mj.) and pressure decrement ratio (AP/POT) for shockless flow at each 
freestream Mach number. This limit, of course, corresponds to the case of ninety 
degrees of sweep. The second is that the slope of the pressure decrement ratio 
curves is less for high Mach numbers than for low Mach numbers; consequently, 
at higher Mach numbers a greater increment in sweep angle (in excess of the 
Mach angle) is required to compensate for a fixed increment in pressure due to 
airfoil nhickness or Hft cbanges. The lift of the airfoil is limited, there- 
fore, if full advantage of the sweep effects is to be taken. It is because of 
this limitation that the wing loadings for airplanes empioyin» highly swept wings 
will necessarily be low. This of course, makes LFC especially advantageous. 

It is recognized that it may be more economical sometimes to 
permit slightly supersonic chordwise components of velocity at the higher speeds, 
but the calculation of the limitations becomes covtsiderably more complicated 
under these circumstances. Also, LFC has a better chance of working in a 
shockless airstream. The design procedure, therefore, was to use the calculated 
critical velocity as given in the figures as the design criterion. 

(E) Compressibility Corrections 

The design of an airfoil shape for highly swept wings and the 
calculation of the airstream boundaries which simulate an infinite extension 
of a finite length wing depend upon the calculation of a two-dimensional potential 
flow field about the airfoil section taken in the chordwise direction (perpendicu- 
lar to the isobars on the swept airfoil). These calculations are easily performed 
with the aid of currently available automatic computer programs for the case of 
incompressible flow (Reference 118). The component of freestream velocity perpen- 
dicular to the isobars for wings swept past the Mach cone would be expected to 
correspond to a two-dimensional Mach number (MUrn) in the category of 0,5 to 0,8. 

Such values exceed the range in which the flow may be considered incompressible, 
and an appropriate compressibility correction must be chosen from the various 
theoretical or empirical corrections available. The constant spanwise component 
of velocity can be completely ignored in this correction, so that the correction 
proceeds on the basis of the velocities and Mach numbers as observed in the 
plane that is perpendicular to the leading and trailing edges of the wing. 
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(E) Compressibility Corrections (continued) 

Some of the well-known compressibility corrections at My^ = 0,6 
are shown in Figure 11^ together with a modified Göthert correction which will 
be described shortly. It is seen that the variation of the AU/Uoo for the 
various methods becomes considerable as the compressible velocity approaches 
the velocity of sound. The correction at this point Is used to determine the 
maximum permissible Incompressible velocity ratio (U/U^) that Is permitted in 
the airfoil design. Since it is very desirable to have subcrltlcal flow (two- 
dimensional component) on a laminar flow wing, the Sprelter and Alksne correction 
(reference 119)  was employed to determine the maximum incompressible velocity 
ratio for the subject airfoil. 

For the calculation of the outer field near the airfoil, how- 
ever, other factors come into play, so that it is not convenient to use the 
Spreiter and Alksne correction for this purpose. The chosen compressibility 
correction must meet certain requirements if it is to be incorporated in the 
currently available computer programs for calculation of the flow field past 
an airfoil: 

(1) The accuracy of the velocity correction must be acceptable 
throughout the complete velocity range from aero to nearly sonic velocity 
(corrected value). 

(2) There must be a unique solution of the correction corresponding 
to any incompressible velocity -- even those that correspond to supersonic com- 
pressible velocities. 

(3) The correction must account for changes in velocity and 
streamline pattern in the outer field as well as local velocity on the airfoil 
surface. 

The compressibility correction of Sprelter and Alksne (Reference 119) 
has three drawbacks which eliminate it as the proper choice for this program: 

(1) the correction becomes indetertnlnant for certain values of 
AUj/Uno due to an infinite slope for the correction curve. 

(2) the correction does not account for the change of slope 
of the streamlines; and 

(3) zero incompressible velocity does not give zero compressible 
velocity (although Spreiter's correction is closer than others in this respect). 

The well-known Karman-Tsien correction eliminates the first objection given above, 
but the other two objections are still present. The Göthert compressibility cor- 
rection (Reference 120)  accounts for the changes in slope of the streamlines, 
but otherwise is nothing more than an extension of the very simple linear correc- 
tion of Prandti. The changes in slope of the streamlines is made consistent 
with the velocity and lift changes by first transforming the airfoil to a new 
airfoil with vertical coordinates and angle of attack multiplied by the factor 
/l - M2UTD, The streamlines and velocities are determined for this thinner air- 
foil, and the resulting flow field is then transformed back to the original 
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(E) Compressibility Corrections (continued) 

airfoil configuration.  In this second transformation the velocity increments 
as determined for the thin airfoil are increased by the factor 1/(1 - M  ) or 

1/V 1 - M^Ua, more than the straight Prandtl correction.  This accounts for the 

use of the factor vl - M?U(0  in the abscissa when the Göthert correction is 
compared with other methods. 

In order to reet the three correction requirements cited pre- 
viously the Göthert correction was chosen as a basic correction and an adjust- 
ment function was added to the correction resulting in a modified Göthert 
correction. The choice of the Göthert correction came about chiefly because 
it accounts for streamline slopes as well as velocities.  The adjustment 
function is shown in Figure 113. It is a parabolic function with M^Uco/(l - M2Uoo) 
assigned as the proportionality constant so that the total modified correction 
passes through -1.0, -1.0 (Figure 113); i.e., so that zero Incompressible 
velocity results in zero compressible velocity.  This adjustment results in 
improved accuracy near the stagnation points and avoids the occurrence of 
negative velocities which would cause difficulty in the computer programs. 
The adjustment is negligible when AU/U^ = 0 and this is clearly desirable since 
the v-       tied  correction is accurate for small increments. In the region of 
large.  .^tive values of AU/U^ the modified Göthert correction is more accurate 
than the unmodified version since it tends to give results more closely in 
agreement with the more accurate Spreiter-Alksne or Karraan-Tsien corrections. 
Comparison is shown with the former of these. 

(F) Airfoil Characteristics 

It is well known that the characteristics of a swept airfoil 
are such that the airfoil responds to the component of velocity that is 
perpendicular to the leading and trailing edges of the airfoil. Also, the 
cross sectional shape of the airfoil taken in the corresponding perpendicular 
plane is the shape that is significant.  The design of the airfoil shape may be 
treated, therefore, as though the flow field were two-dimensional, having a 
freestream velocity equal to U«,. Due to the high sweep angles needed at super- 
sonic velocity, however, the airfoil requirements are found to be unusual when 
compared to an unswept airfoil.  In addition, the application of laminar flow 
control results in added restrictions and since the well-known conventional air- 
foil shapes do not meet these requirements or restrictions, an airfoil shape wao 

developed to satisfy the special requirements of the highly swept LFC airfoil. 

The development of this special airfoil shape was done by trial 
and error, utilizing the calculation procedure described in Reference 118. 
This calculation is a modified version of Theodorsen's airfoil calculation given 
in Reference 80. The resulting airfoil shape and its incompressible velocity 
distributions at various incompressible lift coefficients are shown in Figure 114. 
The angle between the airfoil surfaces at the trailing edge is seen to be 
relatively large. This feature provided adequate internal volume in this region 
at full-scale dimensions so that suction ducts could be installed. The second 
special feature is that concave curvature was eliminated except for a small 
region on the airfoil undersurface near the trailing edge. This feature is 
helpful in stabilizing the laminar boundary layer. The airfoil section is 10% 
thick in the two-dimensional plane.  This is relatively thick for a high speed 
airfoil, but has the advantage of adequate internal volume for suction ducts. 

Added thickness also results in an increased range of lift coefficients for which 

-494- 



(F) Airfoil Characteristics (continued) 

there are no undesirable peak velocities at the nose of the airfoil.  For the velo- 
city distributions shown in the figure, the incompressible two-dimensional, lift 
coefficients vary from 0.52 to 0.88 based on flow components perpendicular to the 
airfoil leading and trailing edges.  The corresponding two-dimensional compressible 
lift coefficients and three-dimensional swept airfoil lift coefficients (Mach 2.0 
and 72.5° sweep) are given in Table V.  This table gives several values, depending 
upon the compressibility correction that is adopted.  The range of lift coefficients 
is seen to be equal to the mean lift coefficient +28%.  This should allow for an 
adequate range of flight conditions for which no large peak velocities occur. The 
peak at the nose of the undersurface at Clj  = 0.52 in Figure 114 is expected to be 
about the maximum for which laminar flow can be maintained with reasonable suction. 

It should also be noted that the flat top velocity distribution 
extends well aft so that a large lift coefficient can be attained without exceeding 
the critical velocity on the upper surface at the maximum angle of attack.  The 
critical value of U/U« may be determined from Figure 109 by dividing a/aa at Mr by 
UcoMa at the same Mr. For the design point of H» = 2.0 and 8 ~ 72.5° the critical 
velocity ratio is 1.575. The incompressible equivalent of this value is a function 
of the compressibility correction at MUa) ■- 0.6 (see Figure 112), but as mentioned 
in the previous section, compressibility corrections are notoriously poor at the 
critical velocity and an incompressible equivalent of the critical velocity equal 
to 1.35 was adopted for the test point.  This value corresponds approximately to 
the correction given by Spreiter and Alksne in Reference 119 with allowance for a 
slight margin of error.  Its value was chosen to determine the critical velocity, 
not necessarily because it was thought to be most accurate, but rather because it 
was largest and, therefore, safest to use. On the other hand, the Karraan-Tsien 
correction was employed to estimate the compressible velocity distribution for 
the boundary layer calculations.  This correction represents a good average of the 
available correction schemes and was felt, therefore, to give a reasonably reliable 
correction for the velocities. 

(G) Calculation of the Boundary Layer Development and Suction 
Requirements 

The development of the boundary layer was calculated for the 
upper surface of the airfoil described in the previous section for several 
continuous suction distributions at an angle of attack of 0.15 degrees.  The 
Mach number based on the perpendicular component of velocity (Mu<:o) was assumed 
to be 0.6 for the calculations.  The corresponding sweep angles are approximately 
72.5° at Mm = 2.0 and 78.25° at Mm = 3.0.  The results were used to estimate drag 
coefficients and the corresponding limiting Reynolds numbers.  These calculations 
employed an IBM 7090 program which is based on a computation procedure originally 
developed by Raetz (Reference 45).  The suction distributions were determined by 
trial and error and were adjusted so that the crossflow Reynolds number RQ.I ^i-^ 
not exceed about 120 over the forward 70 percent of the airfoil, nor 300 to 400 in 
the last 30 percent of the airfoil except that rapid growth to higher values was 
permitted at the trailing edge.  These limiting conditions were based on the 
results of subsonic experiments on swept suction wings as described in Reference 9. 
The resulting suction distributions were typical of swept wings with subsonic 
type pressure distributions requiring high suction near the leading and trailing 
edges of the airfoil, where the crossflow pressure gradients are large, and low 
cuction in the midchord region, where the pressure is nearly constant.  The 
results of some of these calculations are shown in Figures 115 to 118 and Table VI. 
The calculated suction requirements were rather high compared to straight or 

slightly swept airfoils.  The reason, of course, is due to the high sweep angle. 

-495- 



(G) Calculation of the Boundary Layer Development and Suction 
Requirements (continued) 

In addition, it was estimated that because of increased skin friction about 
20 percent Increase in suction would be required when suction through finite 
slots was substituted for continuous suction. On the other hand, the calculated 
wake drags are relatively small, and the theoretical wave drag is «ero for the 
two-dimensional swept airfoil. The low values of these latter items should 
help to compensate for the increased equivalent suction drag« Despite the 
high suction drag, there is no question that the calculated drags were considerably 
less than those of a turbulent airfoil so that it was desired to obtain 
experimental verification of the results of the calculations. The experimental 
verification was done at the lower Mach number (2.0) because this choice 
resulted in a simpler model and the chances for success for these first experi- 
ments were greater» The principles involved could be proved equally as well 
at Mach 2.0 as at Mach 3.0. 

(H) Outer Field Flow 

In order to obtain basic experimental data on infinite swept 
LEG airfoils, a method of simulating such an airfoil had to be worked out. 
Because the chord Reynolds number was important, and also because reasonably 
large chords were necessary in order to install the suction system, the minimum 
chord of the model was limited. Since the size of wind tunnels was limited, 
it was impossible to test even finite airfoils with spans that were large 
compared to this minimum chord. For this reason the infinite extension of the 
span had to be simulated. One way of doing this was to mount the airfoil on a 
surface with contours that follow the same paths as the streamlines past an 
infinite swept wing. In this way the surface generated pressure waves identical 
to those that would be generated by the missing portions of the airfoil. It 
might be noted that a similar contouring of a fuselage at the wing root would 
extend the region of parallel isobars in the wing to the fuselage wall. 

The coordinates of the contoured plate were calculated by 
adding the component of freestream velocity parallel to the leading edge to the 
velocities for a two-dimensional airfoil. This produced the spanwise slopes 
for the swept airfoil streamlines, and integration of these slopes produced 
the desired streamline paths. 

The two-dimensional outer field was calculated for the airfoil 
described earlier at the mean test angle of attack, and resulting streamlines 
are shown in Figure 119. This flow field was machine-calculated by a program 
which extends the theory of airfoils to the outer field (Reference 118), 
Compressible effects were taken into account by calculating the streamlines 
and velocities for a thinner airfoil at a reduced angle of attack as is the 
practice for applying the Göthert compressibility correction. Then, the resulting 
flow pattern was transformed to the desired airfoil dimension and the modified 
Gothert correction (Figure IB) was applied to the velocity increments. When 
the spanwise component of the freestream resultant velocity was added vectorially, 
the three dimensional streamlines followed a crossflow pattern which depended only 
on the sweep and the two-dimensional field. The paths for several of these 
calculated streamlines is shown in Figure 120. The failure of the upper and 
lower streamlines to meet at the trailing edge in this figure is due to the 
circulation, which corresponds to the lift of the airfoil.  In addition, air 
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(H) Oi'ter Field Flow (continued) 

passing near an airfoil tends to dwell near the stagnation regions. This 
occurrence, combined with the fact that the path is longer for the surface 
streamlines, results in greater spanwise flow for the surface streamlines* 
This latter point is brought out more vividly in Figure 121, where a portion of 
the required wall contours as viewed in the downstream direction is shown 
for the region near the leading edge of the airfoil. It is seen that only 
the streamlines passing very near the airfoil are subject to the excessive 
dwell that results in extra spanwise shift« 

Wall contouring should theoretically extend to infinity. 
Limitation of contouring to a finite area, however, has an effect somewhat like 
limiting the span of a swept wing to something less than infinite, but the flow 
past the center of a long-span wing is very nearly identical to that past an 
infinite wing. Limitation of the contouring region is therefore not only a 
practical limitation, but thoroughly acceptable providing the limits are not 
cut so short as to simulate a wing span that is too short. 

(I) Comments Concerning The Wind Tunnel Model 

One of the significant characteristics of a swept wing is 
that the flow over the upper surface bends toward the perpendicular chord- 
wise direction to such a degree that only a small portion of the span is con- 
taminated by a turbulent wedge originating at the intersection of the wing 
leatiing edge with a fuselage or contoured surface., This characteristic is 
very helpful toward reducing the required spanwise extent, of the LFC region 
on the upper surface of an experimental model. Tha extent of a satisfactory 
laminar region is shown in the upper sketch in Figure 122, and it is seen that 
the span of the airfoil need not be excessive. 

On the other hand, the streamlines on the undersurface bend 
toward the leading edge. This is shown by lower sketch in Figure 122, and 
it is seen that an excessively large span is required in order to maintain 
laminar flow to the trailing edge. It is clear, therefore, that experiments 
on the lower surface of a highly swept suction model require a much higher 
aspect ratio. The compromise in model scale required to obtain this aspect 
ratio makes tests on the lower surface impractical for the selected sweep angle. 
This does not necessarily mean that such a sweep angle is excessive for an 
airplane, however, because the turbulent wedge does not occur if extensive 
laminar flow can be continued past the wing and fuselage juncture.  In fact, 
the contamination wedge on the lower surface of the highly swept wing is a 
powerful argument in favor of the development of a laminar juncture. With 
the current state of the art, however, we shall be content with the calcu- 
lated results for the lower surface. A rough check on the calculations is 
at hand, however, since experiments performed for the upper surface can be 
compared with calculations for the upper surface, and a similar order of accuracy 
should be applicable for the lower surface. 

From Figure 122 (upper surface) it is seen that although the required 
span of an airfoil model is relatively short, the streamwise length is necessarily 
large. In addition, some additional length must be provided for wall contouring 
which simulates an extension of the airfoil. One can obtain an idea of how much 
contouring is required in the following manner. Consider that the contour plate 
extends ahead of the airfoil only as far as the point "p" in Figure 123. Then a 
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(I) Comments Concerning the Wind Tunnel Model (continued) 

bow wave will emanate from point "p" since the flow will be at freestream 
velocity ahead of this point. The dashed lines show a three-dimensional 
wing which would also produce a bow wave through point "p", and it can be 
concluded that the termination of the contour plate at "p" very roughly 
stimulates an airfoil which changes abruptly at point "n", as does the dashed 
portion of the airfoil. The change in direction of the dashed lines at "n" 
is symbolic only and not necessarily realistic. For the case shown (Figure 123) 
the vertex of the simulated wing is more than four chordlengths (chord measured 
perpendicular to the leading and trailing edges) away from the contoured wall 
so that the flow past the wall may be considered reasonably close to two- 
dimensional» although not exactly. The location of poinfc "p" was considered 
a satisfactory contour ÜTat for the' subject test model from a practical 
point of view (the test results, however, Indicated some loss of lift probably 
occurred as a result of this termination). The point "p" Is 50 percent chord 
upstream of the leading edge. 

With these considerations in mind, a wind tunnel model was 
designed and built for testing in Tunnel A at AEDC. The dimensions of the test 
section of this tunnel is 40 Inches square; and by choosing a configuration in 
which the wing was mounted on the contour plate and the plate supported by the 
wind tunnel walls slightly below the tunnel centerline (Figure 124), it was 
possible to arrive at a simulated model chord of 10 Inches measured perpendicular 
to the leading edge. The term "simulated model chord" is used because the 
actual model chord extended downstream of the simulated trailing edge as shown 
in Figure 125 in order to obtain internal ducts for suction in this small sixe 
model. The upper surface of this trailing edge extension was contoured to match 
the stagnation streamline flow for the airfoil at the mean test lift coefficient 
so that it would have minimum Influence at the design lift coefficient on the 
pressure distribution at outboard stations. The original airfoil contour was 
carried sufficiently far aft on the lower surface so that the pressures on the 
upper test surface were unaffected by Lhc modified airfoil shape. The support 
plate for the wing was also contoured to streamline flow up to a similar aft 
position for the undersurface and all the way to the end of the airfoil exten- 
sion on the upper side of the airfoil.  Figure 126 shows the support plate with 
the skin removed and illustrates the general shape of this contouring. 

The test area on the upper surface of the airfoil is similar 
to that given in Figure 122 and is indicated by the location of the slots as shown 
in Figure 127.  In general, the ends of the slots lie along curves which follow 
the edges of contamination regions caused by turbulence originating at the ends 
of the first slot. Details of the slot design are given in Part (J) below, 
ouction could be controlled independently in each of seven separate suction 
regions, as shown in Figures 125 & 128, Other details of the model are shown 
in Figures 129 through 132. The chord in the streamwise direction was 33 inches 
for this model; the Reynolds number capability of the wind tunnel based on this 
chord at M = 2,0 was about 25 to 26 million, which was quite adequate. As 
pointed out in the next section, however, this limit could not be reached due 
to limits in the model dimensions. 
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(J) The Suction Slots 

Experience with laminar suction through finite size slots has 
indicated that success in maintaining laminar flow is most likely to occur when 
certain design limitations are observed.  One of these limitations is that the 
slot width should not exceed the height of the sucked layer by more than 20%. 
A general design rule has been to design the slot width equal to the height of 
the layer of air removed by that slot at the highest test Reynolds number. 
Secondly, the outer edge of the sucked layer should not extend too far up into 
the boundary layer; i.e., one should not depart too greatly from the condition 
which approximates continuous suction. A fair rule is that the suction layer 
height should not exceed the momentum thickness. At high Mach numbers there has 
also been an indication that the Mach number at the top of the sucked layer 
should not exceed about 0.60, but test data confirming this rule are limited 
at the present time.  These last items result in a maximum permissible slot 
spacing.  In addition, the slot Reynolds number is generally limited to about 
120, but on supersonic models this has never been a problem since the densities 
in the sucked layer are so low. When these slot design "rules" are observed, it 
is usually possible to achieve laminar flow at the design Reynolds number.  When 
they are not observed, experience has shown that laminar flow is usually possible 
if adequate suction can be applied, but only at some value of Reynolds number 
less than the design value. 

For scaled-down models, one must also be concerned with dynamic 
similarity of the model to the full-scale airplane or airplai.e component. 
This simply means scaling down all full-scale dimensions, and testing at approxi- 
mately the same chord Reynolds number.  This scaling down is extremely difficult 
for small LFC models because of the machining limits for the models.  Slots, for 
instance, could not be reliably made narrower than about 0.0035 inch at the time 
the model was constructed.  Also, in regions of strong pressure gradients the 
slot spacing becomes small even at full scale, and reduces to a few thousandths 
of an inch for a 10-inch chord model.  Prior to construction of the 72.5°   swepc 
wing model the closest slot spacing was 0.25 inch.  For this model this dimen- 
sion was reduced to 0.080 inch, or 0.27 inch in the streamline direction (see 
Figure 25), and slots as narrow as 0.003 to 0.0035 inch (made with an 0.003 
inch saw) were employed.  When these minimum dimensions were considered together 
with the rules cited above and checked against calculations of the boundary layer 
development, it became quite apparent that the Reynolds number for laminar flow 
would be limited by the model dimensions.  Indications from conservative appli- 
cation of the "rules" was that 4 million Reynolds number was assured, and by 
stretching to the limits of the "rules" there was a possibility of 10 million. 
The slots were designed, therefore, on the basis that 10 million was possible. 

The slot design rules discussed above were known to be effec- 
tive for unswept or slightly swept slots, and it was assumed that they 
would also be applicable for highly swept slots.  The same rules were used, 
therefore, to determine the slot widths and spacing for the 72.5° swept wing 
model.  Departure from the usual procedure was required, however, for the 
calculation of the losses through the highly swept slots.  An efficient appli- 
cation of laminar suction required metering of the suction through successive 
slots along the chord since the difference in internal and external pressure 
varied along the chord length.  This metering was accomplished by installing holes 
between the suction slot chamber and the main suction chamber (see Figure 125) 
of such dimensions that the total suction losses for the desired airflow matched 
the internal and external pressure differential.  Then, the hole selection 
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(J) The Suction Slots (continued) 

required a knowledge of the slot losses* It has been conventional to assume the 
slots were two-dimensional laminar flow channels, and for such a channel the 
losses may be calculated (Reference 123). For the highly swept model, however, 
the spanwise flow was expected to have considerable influence on the slot losses; 
consequently, adjustments had to be made for this spanwise flow. The calculation 
of the slot losses was done by the method described In Chapter D, Section b, 
which takes the spanwise flow into consideration. 

The resulting slot and hole dimensions are given in Table VII. 

(K) Instrumentation of Model 

Pressure taps were Installed along three rows in the upper 
surface of the airfoil, located as shown In Figure 128 and Table VIII. There were 
originally thirteen pressure taps installed for each row although a number of 
them developed leaks or plugging before the model and tests were completed, as 
indicated in the table. The loss of some of these pressure taps Is attributed 
to the difficulty of Installing them satisfactorily in the cramped spaced of a 
suction model of such small dimensions. The plugging of the mldspan pressure 
taps prior to the final experiments at 0,75° angle of attack was deliberate in 
order to achieve maximum test Reynolds number. 

In addition, static pressure taps were installed in each of 
the seven suction chambers, and  the stagnation temperatures were also measured 
in three of these chambers in order to supply the required information for the 
calculation of the equivalent suction drags for the model. The mass flow of air 
from each suction chamber was measured in separate flow measuring nozzles outside 
the tunnel. The stagnation temperature and the total (stagnation) and dynamic 
pressures were recorded for each nozzle so that the mass flow could be calculated. 

All of the foregoing instrumentation has been "standard" for 
supersonic laminar flow models and was similar to (if not actually the same as) 
that used for the 36° swept wing experiments described in Section II, Part 2, 
Chapter C-a of this report. The measurement of the wake of the 72.5° swept 
airfoil, however, presented a different problem than for previous experiments. 
It has been customary to obtain many boundary layer profile readings in the 
wake. This has been accomplished in the past by judicious spanwise spacing of 
the total head tubes in the wake rake and has been successful because the boundary 
layer thickness was relatively large. For airfoils swept behind the Mach cone 
the situaticr. does not pertnic a similar approach. In the first place, the 
boundary layer was expected to be extremely thin, for the calculations Indicated 
momentum thicknesses of the order of 0.001 inch and total boundary layer thicknesses 
of perhaps 20 times this figure, or 0,020 inch, A dimension of 0,012 inch was 
about the closest to the surface that a total head measurement could be made 
with practical instrumentation; consequently, one could not be expected to obtain 
accurate profile shapes for wakes of these dimensions. But since the wake drag 
was calculated to be only a small portion of the total drag, it was felt that an 
approximate profile shape would be adequate and resulting errors would not 
appreciably limit the accuracy of the total drag. In view of these considerations, 
the wake rake shown in Figure 133 was built for the experinents. The first total 
head tube was located as near to the surface as practical and the remaining tubes 
were spaced vertically so that the bow waves of each tube would not interfere 
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(K) Instrumentation of Model (continued) 

with the remaining tubes. The spanwise displacement could not be used on this 
model in order to reduce the vertical spacing because of the high sweep angle 
of the wing and the slots. When this sweep is in excess of the Mach angle, a 
spanwise displacement of the wake rake tubes either results in measurements 
which cross slots or else results in stagger to such an extent that many tubes 
are measuring the losses through the shock waves of others. For this reason 
the simple vertical rake was adopted. Initially, it was felt that the rake 
would only be used to determine whether or not laminar flow occurred and that 
the laminar boundary layer shape would be approximated. During the tests, how- 
ever, the model developed boundary layers considerably larger than those predicted. 
Fortunately, the wake rake proved to be adequate for the measurement of these 
larger boundary layers. 

(L) Experimental Measurements and Data Reduction 

Tests were conducted in January 1963 at AEDC Tunnel A of the 
von Karman Gas Dynamics Facility of ARO, Inc., Tullahoma, Tennessee. 
S. R. Pate and J. S, Deiterinj of ARO were project engineers for these tests 
at this facility. 

Tests consisted of observation of the wake profile to determine 
how it varied as the suction was adjusted in each of the separate suction 
chambers. The pressure and temperature data were recorded for several profiles 
varying from a thin laminar profile with strong suction to a thick laminar or 
possibly even turbulent profile for weak or zero suction. This process was 
repeated for several Reynolds numbers at each of three angles of attack at 
Mach 2.0. A limited number of runs were also made at Mach 2.25. Most of the 
data reduction was completed at the Tunnel A facility. The method was comparable 
to that of the data reduction for the supersonic flat plate and the 36° swept 
wing except for the correction to the wake drag for crossflow and for the 
variation of momentum deficit between the trailing edge and the freestream at 
infinity. These latter corrections were omitted in the ARO report (Reference 
122) because the method of correction had not been worked out at the time the 
tests were conducted.  Since the correction is always in the direction of 
reduced drag, the drags quoted in Reference 122 are necessarily pessimistic. 
The nature of the crossflow correction is Riven in the appendix, and this correc- 
tion was applied to the results quoted here. 

(1) Results of the Experiments 

The results conducted at Mach 2.0 will be considered first. 
The results of the measurements of the drag components are shown as a function 
of the suction coefficient in Figures 134 through 136. The trend of these results 
was typical of those for laminar flow airfoils except that the equivalent suction 
drag was higher than usual due to the large suction rates required for laminar 
stability in a flow field having exceptionally strong crossflow pressure gradients. 
The exceptional pressure gradients, of course, were a direct result of the high 
sweep angle, which had to exceed the Mach angle for this type wing. These high 
suction requirements were predicted from calculations made in the early part of 
the investigation. The resulting relatively high suction drags were offset 
somewhat by the corresponding low wake drags since the wakes were very small at 
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(1) Results of the Experiments (continued) 

high suction quantities (although not as small as the boundary layer calculations 
indicated). It might be well to point out at this time that a practical application 
of the sweep concept to an airplane would result in the use of a tapered swept 
wing in which the sweep angle at the trailing edge would be reduced somewhat at 
Mach 2.0. This local reduction of sweep would help to reduce the crossflow and 
consequently the suction requirements and equivalent suction drag for the 
trailing edge region. On the other hand the wake drag would increase somewhat 
because of the reduced suction, so that the overall tendency would be toward 
an equalization of the wake and suction drags. 

The measured wake drags for the constant chord model 
(Figures 134-136) are based on wake measurements after they were corrected for 
crossflow. The crossflow correction employed was empirical, and the method of 
correction and basis for the method are described in Part (M). Briefly, the 
correction was required because the wake rake indicated a momentum deficit based 
on 6SS, which is the momentum thickness based on only one component of the flow. 
The use of 68S correctly accounted for the velocity decrement in the wake, but the 
mass flow rate (by which the velocity decrement should have been multiplied to 
obtain momentum deficit) required modification due to the crossflow omponent. 
The modification was considerable at high sweep angles and was always in the 
direction of reduced mass flow. The reason for the modification can be seen in 
another way by inspecting Figure 137, in which a control volume is shown for a 
unit span length of a swept airfoil. Wake rake readings indicate that the mass 
flow rate out of the control volume is proportional to the steaan/lse velocity 
component, but it is seen that the crossflow component is in such a direction 
as to give flow back into the control volume and this results in a net reduction 
of the mass flow rate. This reduction of mass flow rate for a given streamwise 
velocity decrement can result in reductions of the momentum deficit and corresponding 
wake drags at 72.5° of sweep by as much as 60 percent, as shown in Part (M). The 
wake drag correction, although based on calculated results. Is of necessity an 
empirical correction. Every effort was made to be conservative in applying this 
correction, as explained in the appendix (Part (M)), but the accuracy of the 
correction could be considered open to question. For this reason both the 
corrected results and those based on wake drags determined from Sss are given as 
a function of Reynolds number in Figures 138 to 140 (part a of each figure is for 
corrected and part b for uncorrected data). The plotted points are the minimum 
measured total drags at each Reynolds number. Although only the wake drag was 
corrected, the suction drags also differ for parts a and b of each figure because 
the "optimum" suction coefficient at each Reynolds number changes with variation 
of the wake drag. The large magnitude of the wake correction is apparent fro« these 
figures, but comparison with the changes in the calculated drags due to crossflow 
corrections (given in Table IX) indicates that these large wake corrections are 
not unrealistic. The total drag coefficients for the model at 9 million Reynolds 
number were respectably low and, by comparison with th«j drag curves for the flat 
plates it may be seen that the flow was clearly laminar. The drag rise at Reynolds 
numbers greater than 9 million was a limitation due to the small scale of the 
model and is discussed fully in Part (J) above. It should not be considered a 
limiting Reynolds number for larger scale applications. 

Figures 141 and 142 show typical variations of the measured 
average suction intensities as a function of the chordwlse location. The 
distributions are typical of those for swept wings having subsonic type pressure 
distributions and the shapes agree reasonably well with the calculated suction 
distributions (Figures 116 or 141b). Comparison of the measured and calculated values 
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(1) Results of the Experlmenta (continued) 

of the suction coefficient and the various drag components are given in Table X 
for a « 0.15. It is seen that the measured CDS is less than the calculated one. 
This is due primarily because of a pessimistic estimate of Pg/Pafor the calcu- 
lated suction drag (Table VI),  The measured value of this pressure ratio 
averaged about 0.74 as opposed to the value of 0.648 given in the table. The 
measured wake drag coefficients are considerably larger than the calculated 
ones. This is a typical result for laminar flow experiments since drag calcu- 
lations have always assumed continuous suction; but suction was accomplished through 
finite slots. The discrepancy in the wake drag is especially large for this 
model at 8-9 million Reynolds number, because at this Reynolds number the limits 
of efficient slot design have been exceeded as explained in Section (J). Typical 
wake profiles for the optimum suction conditions are shown in Figure 143. Although 
thicker than predicted, these profiles were still thin. Figure 143 also shows a 
typical variation of the profiles with change in suction. 

Pressures were recorded for all runs on the upper surface 
of the airfoil at the three chordwise stations shown in Figure 128. Precise 
Interpretation of the pressure measurements is difficult because the scatter 
that occurred at any given ot was large. Only a small portion of the scatter 
could be attributed to instrumentation although the measured pressures were of 
the order of only 1.0 psia. A greater portion of the scatter was a direct result 
of changes in the suction distribution« Figure 144 indicates the order of magni- 
tude of the variation of some of the pressures with the suction coefficient. 
It is difficult to determine whether this trend of changes was due to the prox- 
imity of the slots, which h»'* a local sink effect, or to the changes in boundary 
layer displacement thickness, which effectively changed the airfoil contour. 
Reducing the suction to sero was of no help because the airfoil, which was 
designed for suction, was then subjected to extreme crossflow (bordering, 
perhaps, on separation) In the region of the steep pressure rise near the 
trailing edge. By comparing the pressure distributions at a given constant 
suction coefficient (a moderate value of 0.9 x 10"^ was chosen for the reported 
results), the Influence of suction can be minimized and some interesting 
trends can be observed* 

Figure 145 shows a comparison of the measured pressure 
distributions at the three spanwise stations. It is seen that the pressure 
distribution was essentially two-dimensional in nature, although some local 
departures are seen to have occurred. Figure 146 shows the variation of pressure 
with angle of attack. For comparison, the dashed curve shows the calculated 
potential flow pressures corresponding to 0.15 angle of attack. It can be 
Inanedlately observed that the variation with angle of attack was slight and 
that the design lift coefficient was not quite achieved. In Figure 147 the 
equivalent two-dimensional velocity distribution (corresponding to the measured 
mldspan pressures) is shown in comparison with the potential flow calculations 
for ryf « -0.625° and o-i ■ 1,50° (modified Gothert compressibility correction). 
Although the latter angle corresponds to the angle for which the measurements 
were made, the plotted velocity distribution corresponds raore nearly to that of 
the calculations for the former angle. Calculation of the lift coefficient for 
the measured velocities assuming undersurface velocities corresponding to 
■yi = -0.625 and n?» » 1.5° results in respective values of C«L equal to 0.755 
and 0.863. The potential flow value of C'L at 1.5° as shown in Figure 147 is 
1.011 so that only about 75% to 85% of the calculated lift was developed during the 
tests. The small change in pressure distribution with change in angle of attack 
would indicate that the Influence of the contour plate combined with the fixed 
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(1) Results of the Experiments (continued) 

trailing edge stagnation streamline Lad an overwhelming effect on the velocity 
distribution of the airfoil test panel. This is not an extraordinary result, 
considering the relative sizes of the contour plate and the airfoil. Although 
it was recognized that the variation of lift with angle of attack would be 
somewhat unrealistic, it was not realized that the effect of the fixed plate 
and trailing edge extension contours would be so overpowering. In view of 
the strong influence of the contour plate, it is also understandable that the 
lifts did not quite meet expectation, for the contour plate was limited in 
extent, by the size of the test section. The tunnel walls also acted as re- 
flection planes at the ends of the contour plate. This resulted in simulation 
of an image of the contour plate and would tend to reduce the lift somewhat. 
Finally, no influence of the boundary layer was taken into account in designing 
the contoured plate or trailing edge extension. This boundary layer certainly 
had an influence on the flow field and might account for some of the loss in 
lift. 

The discrepancies between the calculated and measured flow 
were not so large, however, that the experiments could not be considered 
successful. The pressure distributions were of the subsonic type with no 
apparent leading edge separation and a strong pressure rise near the trailing 
edge. The corresponding lift coefficient was still of considerable magnitude 
and the measured pressures corresponded everywhere to subcritical conditions. 
In addition, a small change in pressure distribution did result from the angle 
of attack changes -- enough, in fact, so that it was noticeably easier to 
establish laminar flow at the higher angles during the test program. Finally, 
and most important, the measured drags were low, and there was nothing in 
results of the experiments that would indicate that these drags would not 
remain low at higher (still subcritical) lift coefficients. 

The results of the few experiments made at M» s; 2.25 are 
given in Figures 148 & 149. The data are sparse because during the tests the 
wake readings indicated a very peculiar profile shape that seemed to be un- 
responsive to changes in suction quantity or suction distribution. Typical 
measured profiles at M» = 2.25 are shown in Figure 150 and may be compared 
with the profile for H» = 2.0 shown in Figure 143. The reason for the 
peculiar wake is not understood, but it was impossible to determine during 
the tests whether or not the flow was laminar or if changes in auction were 
advantageous. In order not to jeopardize the completion of the test program, 
only a limited number of test points were recorded, but they are probably not 
optimum conditions. 

In spite of the strange wake profiles the drags were 
respectably low (Figure 149), although not as low as at Mach 2.0. A typical 
pressure distribution is shown in Figure 151, and the pressures, although 
very close to critical at some points, are seen to have been subcritical 
even though potential flow calculations indicated critical flow at this Mach 
number tor the design lift coefficient. This development is not surprising, 
however, since the design lift coefficient was not achieved, as discussed 
previously. Little else can be said concerning the Mach 2.25 experiments 
except, perhaps, that it is clear that low drags can be maintained for 
velocity distributions very close to the critical values. 
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(M) Appendix -- Description of the Empirical Correction for the 
Wake Drag 

The momentum thickness (6SS) as measured in the wind tunnel 
does not take the crossflow effects into account, and although these effects 
are small for slight or moderate sweep angles, they become rather large at 
high sweep angles. The crossflow component must be considered because it modi- 
fies the mass flow rate on which the momentum deficit should be based.  In the 
section describing the 36° swept wing experiment (Section II, Part 2, Chapter 
C-a) it is shown that the wake drag for swept wings may be found from 

r 2 L.  .   (Ute)e   ?, . Pte ute ,. . -lA M-> 
CDw = " |(5uu)te Ü7  cos 9 + pooUm (6vu)te sin^| (1) 

where        e = Hy + 2 -  (UM/Q)2 (2) 

_ V Y /X\2 

6uu "  6ss + ü (6ns -  ^  + u  t>ns " \U/    6nn (3) 

V U 
5vu =  6ss + ü (6ns "  6n^  " v ^ns + 6nn (4) 

Hu = 6U/6UU 

For simplification these will be rewritten as follows: 

6uu _ ,  V/6n ' 6ns\, (1\2 (1  6ns " 6nn\ ro 

JTs^1' ül—^r-/+ U) \     ^ j (5) 

= 1 - F1 + (V/U)
2 F2 (6) 

^vu _ ,  V An - 6ns\  ( V 6ns ' ^nn] 
Sss= 1 " U \  6SS y "V   6SS   / 

(/) 

= 1 - F! - F2 (8) 

The problem of determining the wake drag now reduces to that of 
determining Fj^ and F2 at the airfoil trailing edge.  Since Fj^ and F2 depend upon 
the values of 6n, 6ns, and 6nn and since, during the experiments, there was no 
way of measuring these boundary layer thicknesses, an empirical correction has 
been adopted in which these thicknesses may be determined from 6|s = össv/^c/

0« 
This correction is based on the results of the computations of the boundary 
layer development which were described previously and which included calculation 
of all the boundary layer thicknesses. 

In Figure 152, F, + F, is plotted as a function of 6* and 
it is seen that the sum can be approximated by straight lines whose slope 
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(M) Appendix ~ Description of the Empirical Correction for the 
Wake Drag (continued) 

depends on the ratio V/U. Then the data are represented roughly by 

Fi + F2 = 6*s/ks (9) 

2 
and k is given as a function of (V/U) in Figure 153. These relations suggest 
that if the ratio 6fs/ks is used as the independent variable, one obtains a 
unique relation in which ?i  + F2 varies linearly with 6|s/ks with a slope of 1.0. 

Inspection of Equation (8), however, indicates that F^ + F2 
probably has a maximum less than 1.0, for if it did not, 6^ would become 
negative and would indicate reverse flow on the wing. This reasoning suggests 
that the data are better represented by an equation of the form 

kL (6*Ss/
ks) 

%  + (6*ss/ks)
; 

i. "  5S' S' ,.-. 
Fl+ F, = mm (10) 

2  A* + (6* B/ke)2 

which is the first derivative of a hyperbola. This equation has a limit of k^ 
and a slope through zero equal to k^/kg. One could perhaps argue that k.  should 
be 1.0 since this is the limit for which no reverse flow occurs, but sucn a 
limit leads to data corrections that almost eliminate the spanwise component 
of drag. Mathematically, the limit for reverse flow is 1.0, but this leads to 
a rectangular profile for the u component of velocity and such a profile will 
not even be approached. It is possible to determine a more realistic limit 
by analyzing the vectors in the boundary layer. Figure 154 shows the loci of 
the ends of calculated vectors for a profile in which &fs/ks = 0.46. The 
dashed line in the same figure represents the loci of vectors for an estimated 
maximum crossflow, and these latter loci were assumed to represent maximum 
crossflow conditions for a variety of s component profiles. It was then possible 
to calculate corresponding values 6* /6*s = ^ /6S8, This ratio was found to 

average about 0.23. Then the estimated maximum for Fi + F2 is given by 

<F1 + F2)max = kL " 1'0 " n'23 = 0'77 (lLl) 

This indicates a possibility of at least a 77 percent reduction in the spanwise 
component of drag, If the estimated maximum crossflow is correct. 

The reasoning above gives an Idea of the possible magnitude 
of the wake correction, which always results in a reduction of this drag 
component. When dealing with unknowns, however, it Is wise to be conservative; 
and, in view of this, a value of kL of only 0.629 was chosen. This value was 
felt to be the minimum value that could be selected that would result in a reasonable 
representation of the computed information. The corresponding value of kn which 
best represented the d^ta was 0.600. Figure 155 shows the computed data in 
comparison to the empirical curve proposed for the wake corrections. 
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(M) Appendix -- Description of the Empirical Correction for the 
Wake Drag (continued) 

In order to evaluate 6UU it is necessary to determine F. 
and F2 separately. Since F- is the smaller value, it will be determined first, 
A plot of F2 vs -fs/ks is s"mm  in Figure 156 and, like the sum F. + F2, 
the data for F2 are approximated by a straight line when 6* /ks is small. 

Although the scatter is much greater than for the sum F^ + F2, the value of 
F2 is smaller so that the scatter is less significant. F2 also has an approxi- 
mate upper limit which can be determined in a simple manner by evaluating the 
maximum for (V/U)2F2. 

css 
Lu 6„s - ¥« nnj (12) 

Jss 
0 

V 
U 

ns 
Q2 

1 ££ ü_dz - -    p1 J Q2 pl 
dz. 

tt* 

1  Tf v n .s 
^7  o Ü Q ^Q 

v ^ p -, u ^ P7 dz 

The maximum value of this latter Integral has been determined for several cal- 
culated s profile shapes, assuming two conditions: (1)that n has the maximum 
possible value corresponding to U = 0 (except where it would result in v 
exceeding V) and (2) that n has a value corresponding to the loci of vector 
terminal points represented by the dashed line in Figure 154. The two cases 
gave about the same maximum values of F2 and the average of both cases for 
several profiles was about 0.198. Since a large value of F2 results in a small 
wake correction, this estimated limit was adopted as computed without further 
adjustment. The resulting empirical equation for F» is 

F = 0.198 6$s/k 
2  v^.360 + ( !7^ 

(13) 

The data and this empirical curve are shown in Figure 156. Fj is determined by 
simply taking the difference between (F. + F2) and F«. The final empirical 
correction factors used for the wake correction are sumnarised in Figure 157, 
and k8 is given in Figure 153. The added subscript "c" is employed with C^ to 
denote that the empirical crossflow correction has been used to determine this 
drag component. 
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(M) Appendix — Description of the Empirical Correction for the 
Wake Drag (continued) 

Table IX shows a comparison of the correct calculated wake 
drag coefficients corrected by equation (1) with the results using the empirical 
correction given by equations (8), (10), (13). The results of the boundary layer 
calculations for the conditions shown in Figures 115, 116, 117 were used for this 
comparison. It is seen that the final wake drags as determined from the 
empirical correction are a bit pessimistic. This is a direct result of selecting 
constants in the empirical correction so as to obtain a conservative reduction 
of the drag. 

I • 
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b. CALCULATION OF COMPRESSIBLE FLOW LOSSES THROUGH SWEPT SUCTION 
SLOTS 

J. Goldsmith 

(A) Summary 

Results of laminar flow experiments performed on a super- 
sonic 36° swept wing model indicated that it might be desirable to consider 
the influence of the spanwise component of velocity when calculating the 
losses through swept slots. If the spanwise component of velocity is of 
importance at 36 degrees of sweep, it certainly is logical that it would 
be more influential at higher sweep angles. Since a model with a sweep 
angle of 72 degrees was being designed, an analysis was made to determine 
the influence of sweep on slot losses. The conclusions derived from this 
analysis are presented in this report, together with the description of a 
workable procedure for calculating the compressible flow losses through 
swept slots. 

(B) Notation 

Dimensional Variables 

a' velocity of sound 

A area of metering hole 

c chord measured in freestream direction 

C* constants; used with various subscripts 

C Specific heat at constant pressure 

f local suction velocity for continuous suction 

f    equivalent "local" suction velocity for finite slots s 

F^    portion of buoyancy force compensating for friction 
force due to the slot walls (in the u direction) 

Fu    friction force opposing the u component of velocity 

Fv    friction force opposing the v component of velocity 

H'    average local total head pressure for the suction 
layer 

I    denotes integral; defined where used 

I chord measured perpendicular to the leading edge 

£'    surface distance from stagnation point measured 
perpendicular to the leading edge 
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(B) Notation (Continued) 

m rate of q-component momentum flow per unit slot span 

mr suction mass flow rate per unit slot span 

in rate of u-component momentum flow per unit span 

m^2   kinetic energy flow rate based on the u-component of 
velocity 

m 2i      mxi2 at  s^ot inlet 

n^    rate of v-component momentum flow per unit slot span 

1^2   kinetic energy flow rate based on the v-component of 
velocity 

n1    velocity component in the boundary layer perpendicular 
to Q' 

P'    local static pressure 

q'    resultant velocity in the boundary layer or suction 
system 

Q' resultant potential flow velocity 

r1 gas constant 

r£ slot inlet recovery factor 

s" velocity component in boundary layer parallel to Q1 

t* time 

t' temperature in the boundary layer or suction system 

T' potential flow temperature 

u mean velocity across a slot (incompressible) 

u'    perpendicular velocity component in the boundary layer 
or suction system 

U'    perpendicular component of the potential flow velocity 

v'    spanwise component of the boundary layer or suction 
system velocity 

V"    spanwise component of the potential flow velocity 

w     slot width (see also nondimensional w) 
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(B) Notation (Continued) 

wx effective slot width at station x 

w* critical effective slot width or suction layer height 

w' general velocity; component not specified 

W.    buoyancy work per unit mass due to motion along pres- 
sure gradient 

W£    work per unit mass due to friction 

x'    perpendicular distance from inlet of slots or holes 

x^    flow distance through slots in the local streamwise 
direction 

y1    distance along the span of the airfoil or slot 

z'    distance measured from wall through the boundary 
layer 

Y    hole spacing in spanwise direction 

A'    slot spacing in feet (measured in perpendicular 
direction) 

A"    slot spacing in inches (measured in perpendicular 
direction) 

p,    absolute viscosity of the fluid 

v kinematic viscosity of the fluid 

p    density of the fluid 

Nondiippnp-'onal Quantities 

b = O^lSCueWi/Wg 

B =  1  + M0
2/5 

C = K/tfl = 0.2(w,/a') 
a. Si. 

d =  1 -  2z'/w 

f =  |*R1/2f,p/(U,p0) = S)*R1/2f'T/(U*t) 

f* = l4/2f'p/(p0Qi) 

g =  1 + h/2 
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(B) Notation (Continued) 

h = 4Aowe/wi 

H = H,/Po^ 

J 
2 

kf = f^/f 

kmv = nv/mj-v^ 

K =  q2Q2/7 

mh = ^/PahV 

M = w'/a' 

n = n'/Q'   (also exponent for polytropic process) 

N =  P/Po1 

P = P'/poQi 

q = q'/Q' 

rf =   (H^-PmH^-P) 

R = IJU/u6 

R 
c 

= Q'c/^ 

s = s'/Q1 

t = r'f/(Qi)2 

T = r'T'/CQ^)2 

u = u'/Q' 

U = U'/Q' 

u* = ü-/Q; 

V = vVQ' 

V = V'/Q' 

w = w'/Q' 

z 
z' 

- R^VP^)1/ P dz. 

z* 
1/2            0 

-  z'R '  /c' 

-512- 



(B) Notation (Continued) 

a    = 4xl|iw/wimr 

Oh    = nx^st/ynr 

§    = nondimensional coordinate for principal flow direc- 
tion (see paragraph (I) "Appendix--Nondimensional 
Variables...") 

|*    = singularity factor (see paragraph (1) "Appendix-- 
Nondimensional Variables...") 

Subscripts 

0 freestream value or coefficient subscript 

1 local value on surface of airfoil or coefficient sub- 
script 

2 exit of suction slot or coefficient subscript 

3 exit of suction metering hole or coefficient subscript 

4 coefficient subscript 

5 coefficient subscript 

a    stagnation value for suction air 

d     station d 

e    station e; end of inlet length in a slot (compressible 
flow) 

h     denotes hole 

i     station i; slot inlet 

X     station I;  used to calculate kinetic energy losses in 
suction layer 

m    mean or average value 

q     denotes value based on resultant velocity (see also niq) 

r     reference station r (see also m ) 

s    denotes outer edge of suction layer, local stream 
direction, or slot 

st    freestream stagnation condition 
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(B) Notation (Continued) 

u    denotes value based on the u component of velocity (see 
also ra ) 

u 

v    denotes value based on the v component of velocity (see 
also niy) 

w    denotes wall of slot or wing surface 

x    general station through a slot, usually on the center 
streamline 

6    denotes at the outer edge of the boundary layer 

(C) Introduction 

It has been conventional to calculate the suction losses 
through a slot for incompressible laminar flow models by assuming that 
the slot is a two-dimensional laminar flow channel (reference 73). This 
procedure has proved to be very satisfactory for the design of low-speed 
models. The initial experiments on supersonic suction models (reference 
98) indicated that the incompressible laminar flow channel calculations 
were inadequate for supersonic models, since the incompressible calcula- 
tion does not account for the density changes through the slot. There- 
after, slot losses for supersonic models were calculated at Norair by 
means of an approximate method derived by Groth (Appendix II of reference 
123). 

The use of Groth's approximate method seemed to result 
in adequate suction systems for subsequent unswept models. For a 36° 
swept supersonic model, however, the suction losses appeared to differ 
somewhat from the calculated values, and this led to the belief that 
the spanwise flow that inevitably occurs in swept slots may have a signif- 
cant effect on the slot losses. Since future experiments include sweeps 
as high as 72 degrees, an analysis of the influence of spanwise flow on 
slot losses was made and the results are reported herein. 

Also, in the past it has been conventional to disregard 
the dynamic energy (kinetic energy) in the suction layer air. This has 
been a reasonable procedure for straight or slightly swept wings since 
the suction flow rates and dynamic energy are low for such wings. For 
highly swept wings, however, the suction layer thicknesses are necessarily 
relatively large compared to the boundary layer thickness. This is a 
direct result of the requirement that the crossflow profiles be limited 
(for laminar stability) to a given maximum Reynolds number. Or a highly 
swept wing at high speed the limiting crossflow Reynolds number will be 
excessive unless the boundary layer is maintained relatively thin by 
means of strong suction. When the suction layer thickness is large com- 
pared to the boundary layer thickness (as in the case of strong suction), 
the dynamic energy of the sucked layer cannot be ignored. In fact, if 
the spanwise component of this dynamic energy could be considered negli- 
gible, there would be no need to be concerned about the spanwise flow 
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(C) Introduction (Continued) 

within the slot. The influence of the suction layer energy on the slot 
losses is included, therefore, in the analysis of the swept slot losses. 

(D) A Qualitative Look at the Influence of Spanwise Flow in 
a Slot 

Just as there are no spanwise pressure gradients on an 
infinite swept wing, it is also assumed that there are no spanwise pres- 
sure gradients for a long swept slot. Then all velocity changes for the 
spanwise flow are functions only of the skin friction and are independent 
of pressure gradients. The chordwise flow, on the other hand, may be 
treated very nearly the same as strictly two-dimensional flow; that is, 
the relation between the perpendicular component of the friction forces, 
the pressure gradients and the chordwise velocity changes are somewhat 
similar to those for slots without spanwise flow. Also, the continuity 
equation is valid for this component of the flow. The spanwise flow 
does have one influence on the chordwise flow, however, and this is be- 
cause the dissipation of spanwise flow results in a temperature rise 
which in turn influences the density of the chordwise flow. For this 
reason, and only this reason, the spanwise flow component may influence 
the slot losses. To put this another way, the perpendicular component 
of flow for a swept slot may be considered to be strictly two-dimensional 
flow with heat transfer. In this case the quantity of heat transferred 
is a function of the spanwise flow dissipation. 

An important parameter for two-dimensional channel loss 
calculations has always been a = ''x'u/üw and, for compressible flow, 
is more conveniently written in the form 

where: 

o = 4x,p,w/wrar (1) 

x' = length of channel (slot skin thickness) 

|i = viscosity coefficient at wall 

mr = mass flow rate/unit slot span 

w = channel (slot) width. 

When a slot is swept, the spanwise component results in 
the air taking a longer path (x1) along the slot walls in a diagonal 
direction, and one might wonder whether or not this would modify the value 
of a. The answer is that o does not change since the term mr (mass flow 
rete/unit length normal to flow direction) changes in proportion to the 
path length (parallel to the flow direction). One can conclude, therefore, 
that c is independent of spanwise flow due to sweep and may be defined 
by Eq. (1) whether the slot is perpendicular to or swept relative to the 
freestream direction. For compressible flow the pressure drop through a 
slot is a unique function of a, and when the flow is two-dimensional and 
compressible, the flow is then a unique function of o and inlet Mach 
number. For the swept slot we have an additional correction due to density 
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(D) A Qualitative Look at the Influence of Spanwlse Flow in 
a Slot (Continued) 

changes caused by conversion of the spanwise kinetic energy to internal 
energy. The amount of energy converted is a function of spanwise kinetic 
energy at the inlet and of a so that the pressure drop is still primarily 
a function of a. 

The problem of calculating losses for swept slots, 
therefore, seems to narrow down to calculation of the spanwise energy 
that is converted to heat, and to treat the slot as though it were a 
two-dimensional slot in which this heat is transferred to the two- 
dimensional flow. The overall flow for both velocity components combined 
is still adiabatic relative to its surroundings (assuming insulated 
walls). When the perpendicular flow is treated as an isolated two-dimen- 
sional flow, however, the influence of the spanwise flow on the density 
must be treated as a heat addend. 

(E) Outline of Calculation 

The proposed method for calculation of the slot losses 
for a swept slot is somewhat involved, but basically it can be said to 
follow the procedure below. 

(1) The boundary layer profiles are plotted for the 
region of the suction layer, and the spanwise and perpendicular velocity 
distributions are approximated by a uniformly varying velocity, i.e., a 
triangular-shaped profile. Also, the temperature variation is approxi- 
mated by a straight line resulting in a trapezoidal-shaped profile. 
These profiles are determined for the nondimensional form of the variables 
employed in reference 45 since the z-coordinate (distance perpendicular 
to the surface) incorporates a density factor that simplifies the analysis. 
These nondimensional quantities are included in the output of the Norair 
boundary layer calculation program. 

(2) The momentum, kinetic energy, and thermal energy 
are then determined for each streamline in the simulated suction layer, 
and the overall averages are found by weighing the specific values by 
the local masn flow rate in the perpendicular direction. It is in this 
process that the use of the nondimensional variables excels over the use 
of the dimensional ones. 

(3) The losses in the total pressure (based on the 
perpendicular component) are estimated as the air flows into the slot 
entrance, and the slot entry conditions are then determined on the 
assumption that the velocity distribution is uniform at the slot entrance. 
This latter assumption is consistent with the assumption that a slot can 
be treated as a two-dimensional channel. 

(4) The losses and other flow characteristics are 
then calculated at the end of the inlet length (station e, Fig. 159) 
where the boundary layer for the perpendicular flow just fills the slot. 
The profile at station e is assumed parabolic in shape, and calculations 
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(D) A Qualitative Look at the Influence of Spanwlse Flow in 
a glct (Continued) 

are accomplished by employing one-dimensional relations along the center 
streamline. The growth of the perpendicular component of the boundary 
layer in this inlet length causes a contraction of this center streamline 
due to the increased boundary layer displacement thickness. The spanwise 
component of flow has only a small influence on this displacement thick- 
ness until the boundary layer for this latter component fills the slot. 
In paragraph (M) it is shown that the entry langth for the spanwise com- 
ponent of flow is slightly shorter than the entry length for the perpen- 
dicular component. For the region between the two entry lengths a small 
heat transfer to the perpendicular component of flow must be considered 
due to spanwise velocity dissipation. 

(5) The calculation is completed by assuming a one- 
dimensional polytropic process for the center streamline from station e 
t? station 2 at the slot exit. In this region both the spaurise and c; _ 
perpendicular profiles are assumed parabolic in shape. The magnitude of 
the spanwise component of velocity decreases logarithmically due to the 
friction forces. This results in a temperature rise and correspondingly 
lower density. Accordingly, the chordwise velocity must (in order to 
satisfy continuity) gradually Increase. It is only through this reduc- 
tion of the air density that the spanwise component of flow has any influ- 
ence on the losses in this region. 

(F) Calculation Procedure 

The calculation procedure employs not only the usual 
nondimensional quantities but also the more unusual nondimensional 
quantities incorporated in the Norair boundary layer calculation program. 
These latter quantities are described briefly in paragraph (I) and in 
more detail in reference 45. The reader should familiarize himself with 
these quantities before proceeding. Derivation of most of the relations 
dealing specifically with swept slot losses are given in the remainder 
of the paragraph appendices, and the reader may wish to refer to these 
frequently. A copy of reference 117 or a similar set of tables would 
also be helpful in following the calculation procedure. 

Constants 

Constants here refer to items which are constant for a 
given configuration, scale, freestream Mach number and wing Reynolds 
number. Beginning, then, with the following knowns. 

Mo. nt*  "i/Vi, Re. 1.  V-st (2> 

one may calculate (see Fig. 159 for locations of stations denoted by 
subscripts): 

B = 1 + O.ZMQ2 (3) 

T' = T't/B (4) 
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(F) Calculation Procedure (Continued) 

a^ =^2402.4 T^, (30 

Qi = ^ ai (6) 

^o = ^st (Tst + 198.6)/[(Ti + 198.6) B3/2] (7) 

(Sutherland's formula) 

c = je/dJ'/V) (8) 
o o 

Pst " Po B 

Po = Rc^o/^c> (9) 

(10) 

Tst = *'  Tst/Q6 UV 

T0 = Tst/B (12) 

Frequently used combinations of constants are given below: 

C* = U.Oc/Jr (13) 
1       v c 

C* = p; Q; (14) 

C* = Wyfc il5) 

The following factors may or may not be constant, depending whether or 
not the factor kf is constant. This factor is set equal to the estimated 
ratio of equivalent finite slot suction to the continuous suction inten- 
sity used in the boundary layer calculation. 

C* = kf/6£ (16) 
o   t 

C* = kf/(12yR^) (17) 

Variables Tabulated in the Norair Boundary Layer Calculation Program 

At a specific slot location the results of the boundary 
layer calculation provide values for the following variables: 

1*. f, fj, tw, yiR/V T, P, U*. U, V, n, s, z, z*,  t 

where these variables are described briefly in the Notation or in para- 
graph (I), or in complete detail in reference 45. 

Selected Variables 

The slot configuration must be selected in order to 
complete the calculation of the losses. The items of concern are listed 
below. 
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(F) Calculation Procedure (Continued) 

w or w^ - the slot width 

X2 - the slot skin thickness 

A" - the slot spacing in inches (measured in direction 
perpendicular to the slot length) 

The Suction Layer Characteristics 

The suction layer characteristics are calculated for triangu- 
lar-shaped profiles which approximate the real profiles. The real u and 
v profiles may be determined from the following relations [see Eq. (106) 
and (107)]: 

u = sU - nV (18) 

v = sV + nU (19) 

The simplest procedure is to plot sU and nV versus z and to 
subtract graphically to obtain the u profile. Then the hyperbola re- 
presenting a constant value for the product uszs is plotted on the same 
axes (Fig. 160). The value of this product is given by: 

u z =-C*A"fU/5*2 [see Eq. (116)1 (20) 
s s    O     =    ^     ^       -1 

A straight line is then drawn from the origin to the hyperbola 
in such a manner that the straight line approximates the real u component 
of the profile as nearly as possible. In particular, the line is chosen 
so that the value of zs is identical for the triangular and the real 
profiles. The method of doing this is described in paragraph (J). The 
temperature profile and the variation of z* are also plotted versus z. 
The temperature variation is then simulated by a straight line passing 
through tw at z = 0 (see Fig. 160). Then at zs one can read 

t , z*. s U. n V 
s'  s'  s '  s 

Once these items are determined, it is possible to calculate the remaining 
unknowns at the outer edge of the suction layer. 

vs = ssU(V/U) + nsV(U/V) (21) 

= V v^ + Uc (22) 

At = ts = tw (23) 

z' = C*z* (24) 
s   is 

The significant average one-dimensional characteristics are 
derived in paragraph (J) and are summarized below: 

t, = t„ + 2At/3 (25) 1 ~ '■w 
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(F) Calculation Procedure (Continued) 

k1 = q
2Q2/l^ ^26) 

ta = t! + K! (27) 

^a = M,st(ta/tst)0,7  Reference 117) (28) 

mr = -CgCjfV (29) 

The next major step is to determine the characteristics at 
station i at the slot inlet where the velocity is assumed uniform. To 
accomplish this the slot entry losses must be estimated. For this pur- 
pose a three-step process is assumed with the two intermediate stations 
r and i  representing the boundaries between the steps (see Fig. 159). 
The work chart for the flow into the slot is shown in Fig. 164. The 
characteristics of such a chart are described in paragraph (L) and inspec- 
tion of this chart may be helpful in visualizing the calculation of the 
losses upstream of the slot entrance. 

It is customary to assume thac the velocity distribution is 
uniform across the slot at the slot inlet. Then, between stations I and 
r the mixing losses, which occur as a result of conversion from a trian- 
gular profile to a rectangular one, are calculated.  For this step the 
momentum flow rate (nu), the total nondimensional temperature (ta), and 
the pressure coefficient (P) are assumed constant. From equation (128) 
it is noted that the unit momentum is given by 

m /in = 2q'/3 = ql (30) 
q r   ns     r 

This must equal qf because the unit momentum (which is constant between 
stations £  and r) is equal to the velocity when the velocity is uniform. 
Then for station r 

Kr = K^qj./q^
2 = 81^/9 (31) 

tr = ta - Kr (32) 

Zr = rar/prUr " Vr'^r^t (33) 

K
ur = Mus/qs)2 (34) 

Jur=Kur/tr (35) 

(36) 

H    /P =  (I ♦ J    )3-5 (37) ur ur 

(ur/aav)2 = Myj-Zd ♦ Jur) (38) 

w*/z^ =  1.728Mur/(l + Jur) (39) 

tvr = tr + K^ (40) 
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(F) Calculation Procedure (Continued) 

Kvr = Kr - Kur (41) 

From stations r to £ the slot entry and turning losses are 
established by a recovery factor r^ which may be defined as follows: 

rf = (Hui - P)/(Hur - P) (42) 

Then, after r£ has been selected (by experience or as suggested in the 
Discussion), one may calculate a new total pressure for station i. 

Hui,/P = 1 + [(Hur/P) - 1] rf (43) 

It should be noted that the total pressure Hu is altered by the assumed 
loss and that this Hu is the pressure resulting from complete isentropic 
diffusion of only the u-component of velocity. The spanwise component of 
velocity vr is assumed unaltered between stations r and i  so that tvr = 
tVJj. Also, by assumption, P* = P and one may then calculate the charac- 
teristics at station i  as follows: 

tvr^a = (IWp)2/7 (44) 

Mu. =v/5(tvr/t£) - 5 (45) 

2   ? 
(u^MvP = M^/U^/t^) (46) 

Ujj/ur =\/(u^/av)2/(ur/avr)
2 (47) 

P^Pr = ttvr/tje)/(tvr/tr) (48) 

zr/zi = (p£/pr)^x/ur) ^9) 

w^/z'  = 1.728M    /(t    /tJ (50) 
I                 vi      vr    i 

z'/w.  = (z'/w )/(z'/z,) (51) 
i    x r    i        r    IL 

Ku£ = Kurtu£/ur)2 (52) 

An isentropic flow is assumed from station I to station i with 
no change in the spanwise flow.    Then 

Hui :s ^Mi (53) 

w*/w.  = (w*/z')(z,,/w,.) (54) 1                i      i    x 

Myj can be obtained from the relation given below or from tables or charts. 
A method of solving this equation on digital computers is given in the 
Discussion. 

1.728^/(1 ♦ O^j)3 = w*^ (55) 
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(F)    Calculation Procedure    (Continued) 

(uj/avi)2 = Myi/d + 0.2^^ (56) 

Kui = Ku^Ui/avi)2/(uje/avjt)
2 (57) 

(Vui)2 = Kvr/Kui (58) 

The next step is the calculation of the losses at the end of 
inlet length of the slot. For a two-dimensional slot such a calculation 
would be straightforward since the characteristics of the flow can be cal- 
culated along the center streamline which follows an isentropic flow path 
by definition of the inlet length. As explained in paragraph (0), however, 
the boundary layer for a spanwise flow in a slot fills the slot at a point 
upstream of the two-dimensional inlet length. Downstream of this point 
the center streamline flow cannot be considered isentropic if the slot is 
swept. To facilitate the computation the flow between stations i and e 
is considered to take place in two steps (Fig. 159). The first step, 
from i to the psuedo station d, is assumed to be isentropic. Then, from 
stations d to e, a constant pressure energy conversion is assumed to take 
place which very nearly corrects for any error due to the assumption of 
isentropic flow. 

In paragraph (0) it is pointed out that the calculation is 
not easily performed from stations i to e, but that it is readily made from 
e to i. The results of a series of these reverse calculations are shown 
in Fig. 161 together with an empirical equation which simulates the data 
quite nicely. Either the chart or the equation can be used to determine 
the ratio (ue/Uj) once the initial conditions (v^/Ui) and w*/wi are 
established. The choice of paths (isentropic from 1 to d and constant 
pressure from d to e) results in the following relations: 

i ^59) 

(60) 

(61) 

(62) 

«ud = «ui (63) 

Cvd » Kvr/ta (64) 

Cui = «ui'ta (65) 

Cue = Cud = CuiV^2 (66) 

cd = Cud + Cvd (67) 

td^a = 1 " Cd (68) 

Jud = Cue/Ud/^a) (69) 
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/ (F) Calculation Procedure (Continued) 

Mud = \/5Jud (70) 

H ./Po = H ,/P. = (1 + J, ■)3,5 (71) 
ui e   ui d       ud 

c
Ve 

:::: Cvd/1.12 (see Eq. 234) (72) 

Ce = Cve + Cue (73) 

te/ta = 1 - Ce (74) 

Jue = Cue/(te/ta) (75) 

w0/w. = (1 - Cp)(0.66667 + 0,45714c- + 0.36939C? + 0,318100^) e i       e e        e        e^ 

(ve/ue)^ = Cve/Cue (77) 

Losses are now calculated for the final segment between the 
end of the inlet length and the slot exit. Note that ae is assumed to 
be 0.12, as discussed in paragraph (M). 

o = 4Ll„x, /w,m„ (78) 
^a 2 i r 

Aa = a - 0.120 (79) 

(v0/v )2 = e"5AG (80) 
2 e 

2        2      2 
A(v/ue) = (ve/ue) [(ve/v2) - 1] (81) 

h = 4A0We/wi (82) 

g = (2Aowe/wi) + 1 (83) 

b = O^lSCugWi/We (84) 

These variables are then used to determine the value of 
^2^e ty   '0^,- iterative process such as the one described in paragraph 
(L). Finally, the pressure ratio at the slot exit can be calculated: 

P2/P = (P2/Pe) (Hu£/P)/(Hui/Pe) (85) 

(G) Calculation of Metering Hole Dimensions 

The suction air passing through slots is generally metered 
by holes located just downstream of slot chambers in the suction system. 
The losses through these holes are unaffected by the sweep of a slot so 
that conventional means may be used to calculate these hole losses. 
Since the calculation of the losses through a swept slot is unconventional, 
however, the reader may find that the relations given in the succeeding 
text are useful for continuing with the hole loss calculations. 
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(G) Calculation of Metering Hole Dimensions (Continued) 

Generally, it is desired to obtain a certain suction mass 
flow rate for a given increment of pressure ratio (P3/P) through the 
slots and holes combined. If station 3 represents the conditions at the 
hole exit, we may write for the pressure ratio across the holes 

P3/P2 = (P3/P)/(P2/P3). (86) 

A second parameter which may be calculated immediately is 

X3 ^st 
0,= TT — — (87) 
n    Y mr 

where x, is the hole skin thickness and y  is the hole spacing along the 
span. X3 and y  are in the same units. 

Then from Fig. 162 one may obtain graphically the value of 
m^ which corresponds to the given values of q, and P3/P2» This chart was 
constructed from the results of hole losses which were determined by the 
method proposed in reference 123. The parameter n^ is a mass flow ratio 
and is defined as follows: 

mh = Y^r/Pah^ 
(88) 

where A = the area of the hole. Then 

A = ¥nr/Pahaamh = >mr >/t^/[P(P2/P)p0QimhN/U4 1       (89) 

whence one can find the hole area corresponding to the required mass flow 
and pressure drop. 

(H) Discussion 

The proposed method for calculating the losses through a 
swept slot is rather lengthy in comparison to the usual methods employed 
to calculate unswept slot losses. There must be justification, therefore, 
for including the influence of sweep. Although experience with swept 
slots is limited, calculations have been made for some slots swept at an 
angle of 72.5 degrees. Results of such calculations for a swept slot are 
given in Table XU for two different recovery factors. For the high suction 
quantities required for this sweep angle it is clear that the recovery 
of the dynamic energy in the suction layer can be quite significant. As 
seen from the table the swept slot method of calculation was also used to 
calculate the losses for a nearly straight slot (swept less than one 
degree). An additional calculation foi- an unswept slot was made using 
the method of Groth (reference 123).  It is seen that the results for the 
two unswept slots compare favorably with each other. Also, the signifi- 
cance of the spanwise component of flow (compare the swept and unswept 
slot calculations for rf = 0.0001) is seen to be of sufficient magnitude 
(22 percent increase in losses for the example) so that it cannot be 
neglected. This is true even when the slot losses are rather small, as 
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(H) Discussion (Continued) 

in the example. As the slot velocity increases, the effect of the span- 
wise flow becomes more significant and might even lead to choking. It 
seems worthwhile, therefore, to consider the effect of spanwise flow 
even though the calculation is then somewhat more lengthy. 

For the 72.5-degree slot the major portion of the calcula- 
tions was performed on an automatic computer. Experience with this 
program is limited, but, for the calculations made to date, the program 
has proved to be quite satisfactory. The iterative process for deter- 
mining the ratio ^2^e  as described in paragraph (L) converged rapidly. 
Another iterative process was used to determine the value of My^ from 
the ratio w^/w*. This process also converged rapidly and was programmed 
as follows: 

(1) Set M1 = 0.5787v*Ni (90) 

(2) Set M2 = M1 (91) 

(3) Calculate M^ = 1^(1 + 0.2M2) (92) 

(4) Set M2 = Mui (93) 

Then steps 3 and 4 are repeated about five times. Convergence will occur 
for values of My^ < 0.65, and My^ should not exceed this value or choking 
of the slot is probable. 

The program is also set up on the assumption that Aa will 
be positive. Generally, Aa will be positive, but it should be noted that 
adjustments roust be made if Aa should become negative. Such adjustments 
have not been considered in developing the calculation program since the 
problem has not arisen in any of the calculations made in the past. 

A means for selecting a realistic value for rf has not been 
established, and much experience will be required to be able to select 
accurate values for this factor. In most slot loss calculation methods, 
including the one presented by Groth in reference 123, rf is assumed 
equal to zero. In the past this had been a good assumption. For large 
suction intensities, such as may be employed on highly swept wings, a 
portion of the kinetic energy in the suction layer is undoubtedly re- 
coverable, and the choice of r£ becomes important. Until additional 
information is available it is suggested that rf be set equal to 1.0 as 
a first try. If the resulting value of zl/wj; 2: 1.0, the results may be 
considered acceptable. If, however, the calculated value of zjj/w^ < 1.0, 
then the recovery factor should be progressively reduced until the value 
of ZJ/W. equals unity. The assumption employed here is that the entry 
losses for a contracting flow are negligible, whereas losses are high when 
the suction layer is forced to diffuse as it flows into the slot. In 
order to reduce disturbances in the laminar layer on the wing surface, 
however, slot widths should be chosen so that diffusion of the suction 
layer is minimized. Often, however, a compromise must be made (partic- 
ularly on small supersonic test models'», either because the losses in 
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(H) Discussion (Continued) 

narrow slots become excessive or because there is a minimum size slot that 
can be machined with present techniques. When such a compromise must be 
made, the selection of r^ may be done as suggested previously. 

It has already been noted above that H^i  should not exceed 
0,65. Experience with supersonic straight or moderately swept suction 
models has indicated that, perhaps, the Mach number at the outer edge of 
the suction layer also has a limitation of about 0.65. For swept slots 
it is assumed that this Mach number limitation applies only to the per- 
pendicular component of velocity. The spanwise velocity may have no 
limit, just as it has no limit for infinitely long swept wings with a 
subcritical perpendicular component of velocity. The conditions are 
identical for the two cases in that there are no pressure gradients in 
the spanwise direction. The only Mach number of significance for a swept 
wing is due to the perpendicular.component of velocity, and a similar 
assumption is made for the swept slot. It should be pointed out, however, 
that even though no physical limit is recognized for the spanwise Mach 
number, the accuracy of the calculation program depends on certain simpli- 
fications such as the limitation of the number of terms used in the various 
equations of paragraph (K). Some sacrifice of accuracy must be expected, 
therefore, when the spanwise flow causes resultant Mach numbers well in 
excess of 1.0. 

(I) Appendix--Nondimensional Variables Employed in Calculation 
of Swept Slots 

The calculation of the slot losses generally utilizes the 
results of a boundary layer calculation. At Norair most laminar flow 
boundary layer calculations incorporate the method set forth by Raetz 
(reference 45) so that it is convenient to employ many of the nondimen- 
sional working variables used in this method. These variables are given 
below, together with some additional quantities used to calculate the 
slot losses. It will be noted that when a quantity is used in both the 
nondimensional and the dimensional versions, the nondimensional symbol 
is usually denoted by an unprimed English alphabetic symbol and the 
dimensional version of the same variable may be denoted by either the same 
symbol after it has been primed or by a Greek letter. Also, in general, 
capital letters are used to denote potential flow values and lower case 
letters to denote values within the boundary layer. Ratios of dimensional 
and nondimensional quantities are often identical. 

The Temperature and Kinetic Energy Relations 

The energy equation may be written 

Va = Cpt> * (cl,)2/2 (94) 

(QA)2 
and, dividing by Cp —^f—, one obtains 

l!lAgX^L^    r'(q')2        rU"    ^l/alj2!^)2 (     > 
Q^2      T%?      2 Cp(Q.)^      ^T7+7lQ'|lQ'l (95) 
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(I) Appendix--Nondimensional Variables Employed in Calculation 
of Swept Slots 

or 
ta = t + q2Q2/7 = t + K (by definition of the unprimed 

quantities). (96) 

Dividing now by t& 

1  = t/ta + K/ta = t/ta + C = t/ta + 0.2(q
,/a4)2 

= t'/t' + (q')2/2Cnt' (97) 
a   ^    pa 

or, dividing by t, 

ta/t = 1 + J = 1 + K/t = 1 + M2/5 = 1/(1-C) (98) 

Equations (94), (95), (96), (97), and (98) may also be written with u or 
v substituted for q and the additional subscripts u or v respectively 
added to all the remaining variables except r', C , Q^ and Q. Then, for 
example, 

^u = ^ + u2Q2/7 = tu + Ku, etc. 

Consistent with these variables are the pressure and density relations 

P = P'/fp (Q')2] = p T/p = pt/p (99) 
I o o J   6  o    Ko 

p6/p0 = P/T or p/p0 = P/t (100) 

Nondimensional Boundary Layer Coordinate 

The variable representing distance through the boundary 
layer incorporates a density correction that transforms the actual dis- 
tance to its equivalent incompressible distance.* 

z = (Rl/2/5*)[Z (p/p6)(dz
,/£) = (Ri/2/|*)/ (T'/t'Kdz'/X) (101) 

*For those not familiar with reference 45, the principal coordinate (in 
the U direction) Is §, which is so selected that dx'/d^ is exactly pro- 
portional to § at 5 = 0 and nearly proportional to ? near the point § = 0. 
?* then is exactly equal to | near § = 0 and may be any convenient function 
of the coordinates elsewhere. If a method Jther than that of reference 45 
is used to calculate the boundary layer, ?* may be considered equal to | 
and § may be set equal to /i'/i  where V   is the distance along the surface 
from the stagnation point measured in the perpendicular direction. 
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(I) Appendix--Nondimenslonal Variables Employed in Calculation 
of Swept Slots (Continued) 

The Suction Variables 

Two of the suction parameters used in the boundary layer 
calculation are also employed ,in the calculation of slot losses: 

f = l*R1/2Pwf'/(P6U,) 

The Velocity Components 

(102) 

(103) 

The nondimensional velocity components of interest for the 
slot losses are those perpendicular to the slot U, u and those parallel 
to the slot length V, v. The capitals denote the value at the outer 
edge of the boundary layer, and the lower case letters denote the area 
within the boundary layer. The corresponding resultant nondimensional 
velocities are 1.0 and q. If primed quantities denote dimensional values, 
then the nondimensional values given above are defined as follows: 

U = U'/Q« 
V = V'/Q' 

1.0 = Q'/Q' 

u = u'/Q' 
v = v'/Q1 

q = q'/Q' 
U* = U'/Q' 

(104) 

The printed output of the Norair boundary layer calculation, 
however, is generally given in terms of s and n, the local streamwise and 
normal components, respectively. If Q' is the reference local potential 
velocity, 

s = s'/Q' n = n'/Q' 

The components are converted to v and u as follows: 

u = sU - nV 

v = nU ♦ sV 

(105) 

(106) 

(107) 
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(J) Appendix--Characterlstlcs of a Triangular Profile 

In the calculation of the swept slot losses the velocity 
distribution in the suction layer is assumed to be triangular. Also, the 
temperature profile is assumed trapezoidal. The constants for these ap- 
proximate profiles are determined by plotting the actual profile components 
in nondimensional form and then approximating these profiles by straight 
lines within the suction layers. 

The components in which one is interested are u and v, and 
these may be determined from the calculated streamwise and normal compo- 
nents as follows: 

u = sU - nV (108) 

v = sV + nU (109) 

To determine the constants for the approximate triangular 
profiles, sU and nV are plotted as functions of z. The graphical dif- 
ference is equal to u and this is also plotted as a function of z. In 
order to determine the thickness of the suction layer it is necessary to 
calculate the mass flow rate per unit span along the slot length. 

mr = -Pwkff'A' = -pjkffA'UV^/R (110) 

where      A' = slot spacing in the perpendicular direction 

kj = ratio of average suction velocity required for 
finite slots to simulate the calculated continuous 
suction velocity. 

The mass flow rate may also be written in terms of the nondimensional 
quantities for a triangular profile. 

z' 
mr = /" ''pu'dz' (HI) 

o 

u' = uQ' = UsQ'z/Zg (112) 

pdz' = ?*£p V      dz    (by definition of z) (113) 

pu'd^  =  §*lpeusQ,zdz/(zsN/R) , (114) 

rar =  (|*£//R)  p^'UgZg f l(z/zs)d(z/zs) (115) 

o 

The integral is equal to  0.5.  Substituting equation (110) for mr and 
solving for uszs, one obtains 

uszs = -ZkjrflM'/Ul*
2) (116) 

Fig. 160 shows the relation between the boundary layer profile and the 
curve us versus zs. Of course, the latter is a hyperbola and represents 
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(J) Appendlx-'Characteristics of a Triangular Profile (Continued) 

the loci of points at the outer edge of a triangular profile that would 
give the desired suction. The triangular profile that simulates the real 
profile is given by a straight line passing through the origin and termi- 
nating on the hyperbola. The slope of this line is chosen in such a man- 
ner that it approximates the actual profile as closely as possible; in 
particular, the height of the suction layer zs should be the same for the 
real and triangular profiles. The values of zs and us at the selected 
terminal point are the values which are sought. The corresponding span- 
wise component vs is determined from the Interpolated values of ssU and 
nsV at the height zs. 

vs = nsV(U/V) + ssU(V/U) (117) 

The resultant velocity at the outer edge of the boundary layer is given 
by 

% = ^us + vs ^118) 

Then, the three triangular velocity variations are given by 

u = us(z/zs)    v = vs(z/zs)    q = qs(z/zs)       (119) 

The temperature profile is approximated by a straight line 
passing through the point tw and matching the real profile as clrsely as 
possible. The minimum value (t ) is read for the height zs, and the local 
boundary layer temperature is then given by 

t = tw + (ts - tw)z/zs (120) 

or 

t'/t' = t/t = I + (At/t )2/zc (121) W      W WS 

In addition, it is necessary to determine z*. This may be done by plotting 
z* as a function of z and interpolating at zs. The value of z* is also 
tabulated as part of the output of the Norair boundary layer calculation 
program. If this program is not used, z* may be calculated fron the de- 
finitions of z* and z. 

The momentum flow röte (my) for the perpendicular triangular 
profile in the suction layer is given by 

z' 1 
m^  =| 'Vu'^dz' = f/pjQ'usZsR"1'2/ (z/zs)

2d(z/zs)  (122) 
o " 6 

and the integral is equal to one-third. Then the momentum per unit mass, 
which will also be called the unit momentum, becomes 

tt^/mj. = 2usQ
,/3 = 2u;/3 (123) 
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(J) Appendix*-Characteristics of a Triangular Profile (Continued) 

In like manner the kinetic energy flow (m^) P" unit mass can be calcu- 
lated 

mu2/mr = (0.5/mr)/"Zsp(u,)2dz' = UgCQ'^M = (up2/4        (124) 

o 

The unit momentum and energy flow rates for the v and q dire- 
tions are determined in the same way, bearing in mind that they are always 
referenced to the mass flow rate in the perpendicular (u) direction. In 
this manner one obtains (for the triangular profile): 

m, 

v 

z' 
mv =j  Spu,dz = 5*£p6Q,usvszsR"1/2/"1(z/Zs)2d(z/zs> ^l2^) 

0 o 

n^/mj. = 2vsQ,/3 = 2v^/3 (126) 

v2/mr = Vg^'J2/4 = (v^)2/4 (127) 

mq/mr =  2qsQ'/3 =  2q^/3 (128) 

)/mr = q2(Q,)2/4 =  (q^)2/4 (129) 

The thermal energy flow rate (mt) is determined from 
z' 

mt = Cp/ t,Pu,dz, (138) 
o 

" Vw^'^Vs*'1'2/ [1 + (At/tw)](z/Zs)d(z/zs)    (139) 
o 

j" = 0.5 + At/3tw (140) 
o 

mt/mr = Cpt^ (1 + 2At/3tw) (141) 

and the to^ .1 energy per unit mass is 

Vä = Cptv{l  + 2At/3tw) + (q')
2/4 (142) 

2 
Dividing the energy terms by the factor C (Q^) /r' in order to obtain the 
nondimensional form [see paragraph (1)]: 

ta = tw(l + 2At/3tw) + q2q
2/l4 (143) 
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(K) Appendix—Relations for a Compressible Parabolic Profile 
with Constant Total Temperature 

The Velocity Distribution 

/  /  /   /    /     / 

d = [(w./2)-z,]/(wi/2) = 1 - 2z,/w. 

q = qx(i - d') 

(144) 

(145) 

where the subscript x denotes the centerline value at station x 

u ^ ux(I - dz) 

v = vx(l - dz) 

(146) 

(147) 
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(K) Appenüix-"Relations for a Compressible Parabolic Profile 
with Constant Total Temperature (Continued) 

The Pressure Distribution 

In conventional manner, the pressure distribution is assumed 
constant across the channel or slot. 

The Temperature Distribution 

The nondimensional energy equation has been shown to be 
[paragraph (I)]: 

ta = tx + q^Q
2/? (148) 

2 
Dividing this equation by t^ transposing, remembering qxQ /7ta = Cx and 
ta/tx = 1/(1-CX) 

t'/t^ = t/tx = [1 - qj^d - d2)2/7ta]ta/tx (149) 

= [1 - Cx(l - d2)2]ta/tx (150) 

= [1 - Cx(l - d2)2]/(l - Cx) (151) 

The Density Distribution 

Since the pressure is constant through the boundary layer, 
the density is inversely proportional to the temperature. 

p'/p^ = p/px = tx/t = (1 - Cx)/[1 - Cx(l - d2)2] (152) 

But this expression is awkward when it is used as a multiplier for the 
integrations below, and a more convenient relation results when the 
density ratio is expanded in a series. 

p/pv = (1 - Cx)[l + Cx(l - d2)2 + C2(l - d2)4 (153) 

3    2 6 
+ Cx(l - d ) +....] 

These first four terras are adequate when the flow is less than sonic. 

The Mass Flow Rate 

The riass flow rate that is of interest is the one in the 
chordwise or perpendicular direction and is measured per unit slot span. 

Wi/2 1 
mr = 2 f   pu'd(wid/2) = p^^ f  (p/px)(u/ux)d(d)      (154) 

= Pxuxwi(1 " V/ t(1 " d2) * Cx(1 " d2): 

+ C2(l - a2)5 + C^Ci - d2)71d(d) (155) 
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(K) Appendix—Relations for a Compressible Parabolic Profile 
with Constant Total Temperature (Continued) 

mr = p^w.d - Cx)[0.6667 + 0.45714CX + 0.36939C^ 

+ 0.31810C^] (156) 

= Pxui
wi(wx/Wi) (157) 

The term wx is equal to w^ less the two displacement thicknesses; i.e., 
it is equal to the effective width of the slot. The effective width 
ratio wx/wi is plotted as a function of Cx in Fig, 163. It will be noted 
that the ratio w„/w. is closely represented by the relation 

Wj^Wi == 0.6667 - 0.218CX. (158) 

Flow Rate of Spanwise Momentum 

The spanwise momentum is based on the spanwise velocity as 
indicated by its name, but the mass flow rate that is of interest is in 
the perpendicular direction and is based on the u component of velocity. 

r1 r1 
11^ = /   v'dmr = pxuMi   (p/px)(u/ux)(v/vx)d(wid/2) (159) 

o 6 

= p u'v'w.d - Cx)/" [(1 - d2)2 + (1 - d2)4C +"«)]d(d)     (160) 
^XXXl x J XJ 

The integral is given by 

1 2 3 = 0.53333 + 0.40635C„ + 0.34093C; + 0.29919CC        (161) 
/ 
o 

and the unit spanwise momentum becomes 

mv/mr = vikmv 

= v^O.53333 + 0.40635CX + .. .)/(0.66667+ 0.45714C +...) 
(162) 

The momentum factor k  is plotted in Fig. 163 as a function 
niv 

of Cx. Inspection of the figure indicates that the variation is small and 
that it can be considered nearly constant as given below 

Kmv a: 0.80. (163) 
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(L) Appendix--Slot Losses Downstream of the Perpendicular Inlet 
Length 

Pressure Drop Along Slot Centerline 

2 
As derived in paragraph (N), d F^dy'dx' = ^^^i^>    In 

a similar manner, we can show that 

dV/dy'dx' = -8u, u'/w, (164) 
u' -^ PW X  1 

where u' is the local centerline velocity and w^ is the slot width, and 
this is exactly equal to the portion of the buoyancy force which compen- 
sates for the friction force, namely: 

d^/dy'dx' = WidP'/dx«. (165) 

Equating the friction force to this portion of the buoyancy force 

-8a  u'/w. = w.dP'/dx' (166) 
^W XI     1 

or 
dP' = -(8Mvui/wi)dx

I (166) 

This can be shown to be equivalent to,the incompressible case 
in which we know that u' = constant and 2AP,/p(Ux) = 6Aa. This is done 
by dividing both sides of equation (166) by p(u|) /2 where u' is the velo- 
city at the slot inlet. " x 

d^P'/p^')2] = - [I6^wuyp(up
2w2]dx' (167) 

Since u^ = 2u^/3 (incompressible flow), a =  4uw
x,/mr

wi» and mr = Piuiwi> 
this becomes, after integration, 

2AP1/p(u!)2 = -6&a        Q.E.D. (168) 

Returning to the compressible case, one may multiply and 
divide equation (166) by the mass flow rate mr. 

dP1 = -(2mrui/wi)da (169) 

It is possible to reduce this problem to a one-dimensional one by con- 
sidering the velocity and density of only the center streamline, i.e., 
by restricting the calculation to the centerline flow. When this is 
done, one may write 

mr = Pxuxwx (170) 

where wx is the effective slot width at station x [see paragraph (K)]. 

-dP' = 2p (u')2(wv/w.)da (171) 
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^L) Appendix—Slot Losses Downstream of the Perpendicular Inlet 
Length (Continued) 

Evaluation of the Work Terms per Unit Mass 

Dividing equation (171) by px and integrating, one obtains 
the portion of the buoyancy work per unit mass (work due to motion of a 
finite volume along a pressure gradient) that compensates for the fric- 
tion work. 

-f(l/p KdP'/dx'Mx' = -Al/p )dPl 
^      X     X J      X    X 
1 1 

= 4|"  (wx/w.)[(ui) /2]do 
(172) 

Ge 

In order to evaluate the righthand integral easily, it is assumed that 
wx/wi is substantially constant at its initial value, w /w.. This is a 

The kinetic energy 
f A(ul)2/2 is the 

reasonable assumption downstream of the inlet length. The 
term (u^ ID is assumed to vary linearly with a. Then, ii 
total change in (u^) II  between stations e and 2, we may write 

(u^)2/2 = (u4)2/2 + (a - ae)A(ui)
2/2Ao 

Then, the work per unit mass for the center streamline is given by 

-j"(l/px)(dP;) = (we/w.)Ao[2(u;)
2 + A^')2] (173) 

1 
where 

Ao = 02 - a 

and the tag "1" on the integral sign denotes the portion buoyancy work 
which offsets friction work downstream o£ the inlet length. The incre- 
ment in kinetic energy along the center streamline is primarily a result 
of the change in density, which will decrease due to conversion of span- 
wise kinetic energy into heat for all streamlines including the center 
streamline. Although the resultant centerline flow is considered adiabatic 
in regard to heat exchange across streamlines, this same flow cannot be 
considered adiabatic when the perpendicular components of the flow are 
considered alone. These perpendicular components can be treated sepa- 
rately only when the spanwise velocity dissipation is included as a heat 
addend. The effect of this heat appears as a density reduction so that 
the chordwise velocity must increase in order to satisfy continuity. An 
additional buoyancy force is necessary to produce the required acceleration, 
and the corresponding additional buoyancy work is 

jUApx)dP^ = -A(u
,)2/2 = [(u^)2 - (u^)2]/2 (174) 

i 

where the tag "y" denotes an isentropic portion of work due to buoyancy 
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(L) Appendix--Slot Losses Downstream of the Perpendicular Inlet 
Length (Continued) 

combined with motion. Then the total buoyancy work is the sum of equations 
(173) and (174). When these terms are nondimensionalized by dividing by 
(u1) /2, one obtains 

.[2/(u4)2]f/(l/px)dP^ + Jd/p, 

2 
= ^cKWg/Wj) + [2Aa(we/wi) + 1] A(u/ue) 

= h + gA(u/ue)2 (175) 

In addition to buoyancy work there is a piston or expansion 
work which is denoted 

/Pxd(1/Px 
) 

The Work Chart 

The relation between the different portions of work is shown 
in Fig. 165, where the buoyancy work (due to pressure gradient) is plotted 
versus the piston work (due to expansion or contraction). 

In the figure isothermic lines have a slope of -1.0 and each 
such line corresponds to a unique temperature. Also, since the total 
temperature is assumed constant, these isothermic lines represent constant 
values of resultant kinetic energy per unit mass [(q1) /2] which can be 
determined from the energy equation (94), and increments in kinetic energy 
are given by 

A(ql)2/2 = CpAt' = 3.5RAt' 

= 3.5[/p'd(l/px)]constant pressure (176) 

Since there is no spanwise pressure gradient, there is no 
buoyancy work associated with the reduction of spanwise kinetic energy. 
The work that is associated with the spanwise kinetic energy loss, there- 
fore, must be expansion work of the type /Pxd(l/px), and this appears as 

o 
a horizontal line in the Work Chart (Fig. 165). The tag "o" on the inte- 
gral denotes the slope of the path on the diagram. This work is real in 
that it is the work performed by each unit of mass on the surrounding air. 
It is not useful work, however, since there are no moving boundaries. 

There is no velocity change connected with the hupx)d2^ 

I 
term so that this portion of the process is isothermic and, therefore, has 
a slope of -I. 
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(L) Appendix-»Slot Losses Downstream of the Perpendicular Inlet 
Length (Continued) 

The work terms which bring about the change in chordwise 
velocity have a slope of -y  since this process is isentropic; that is, 
all pressure work in this process is converted to change in kinetic 
energy. The choice of integral tags "1" and "'Y" now becomes apparent, 
since they represent the negative of the slopes of the paths on the work 
diagram. 

The Polytropic Process 

Then, the work increments and velocity changes between any 
two points on the Work Chart are easily found, but such a diagram tells 
one nothing of the pressure and density changes at such points, for these 
latter variables will have values depending on the paths taken between 
the two points. For the purpose of our present calculation a polytropic 
path will be assumed between the end of the inlet length (station e) and 
the slot exit (station 2). For such a polytropic process one may write 

Ve" = Vr fi77) 

where n is the negative of the slope of the straight line connecting the 
two stations in Fig, 165. Also, for a polytropic process, the buoyancy 
work is given by 

r£i . -n_ !4 fi . föf1 
j  px       n-l  pe \pe/ 

(178) 

The omission of a subscript for the integral here denotes that that total 
value is considered. This equation can be nondimensionalized by dividing 
by the kinetic energy at the end of the inlet length, (u^)2/2. Also, 
noting that 

^4    2r,t;   y;      i 
(u^Pe = ^P7 = 3.5(u;)' = 3.5Jue -  (179) 

one obtains 

1 • - i^/f=T^nt^ H^n 
Inspection of Fig. 165 shows that the negative of the slope of the poly- 
tropic path is given by 

-/' 
dP>x 

n = 7  (181) 
/P;d(l/px) 

When it is noted that the isothermal designated t^ in Fig. 163 has a 
slope of -1.0, it is seen that one may substitute -fdP'/p + Mq') /7 for 
/■>    j     \    x 
Pxd(l/px). Dividing top and bottom by iu^)"/2 gives 
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(L) Appendix—Slot Losses Downotream of the Perpendicular Inlet 
Length (Cont i nued) 

I - 2 A^g_ 
Je 

 Z where A /-M = A/^T) (182) 

n _  1  _   I 
n-1 ,  i 0   „2 (183) 

Next, from equations (180) and (183), one may derive 

9 l/(l-n) 
Pe/P2 = C1 " JueA(^/ue) 1 (184) 

where: 

Also, 

9        2        2 
A(q/ue)'

: = A(v/ue) + A(u/ue) (185) 

(u2/ue)
2 = 1 + A(u/ue)

2 (186) 

and from the approximate expression for w /w. [equation (158)1 

W2/wi = Wg/wj + Aw/Wj^ 

= Wg/Wj^ + (0.66667 - 0.218C2) - (0.66667 - 0.218C ) (187) 

= Wg/Wj - 0.218(C2 - Ce) = Wg^ - 0.2l8Aq2/(2C ta) 

and 

w2/wp = 1 - 0.218A(q,)2w,/(2C t'w ) ^ e i   p a e 

= 1 - bA(q/ue)
2 

where 

b = 0.218wi(u;)^(2Cpt^we) = 0.218Cue(wi/we) (189) 

Continuity provides a final equation 

p2u2w2/(peuewe) = p2w2 VI + A(u/ue)
2/(pewe) = 1.0       (190) 

Squaring and solving for A(u/ue)
2 results in 

A(u/ue)
2 = [(pe/p2)

2/(w2/we) ] - 1 (191) 
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(L) Appendix--Slot Losses Downstream of the Perpendicular Inlet 
Length (Continued) 

Summary of Knowns 

At station e (end of the chordwise inlet length) one knows, 
or assumes, the following variables: 

ae = 0.12 [equation (211)] 

Aa = a, - a (192) 
2   e 

h = 4(w /w )Aa 
e i 

g = 2(we/wi)Ao+l 
equation (175) 

Jue = "ue2/5  [equation (98)] 
2 

Cue = (ue/aa)  /5 [equation (97)] 

b = O^lSC^gWjVwe  [equation (189)] 

2 -5.0Aa 
A(v/v )      = e -1    [equation (228)] 

e 

A(v/u  )2    = A(v/vp)2(v„/up)
2 (193) 

Working Equations 

A(q/u„)2 = A(v/u0)
2 + A(u/u0) (194) 

1 = h + gA(u/ue)
2 (195) 

n = I/[l-(2/7)A(q/ue)
2] (196) 

Pe/P2= [l-JueA(q/ue)
2]1/a-n) (197) 

A(u/ue)
2 = (pe/p2)/[l-bA(q/ue)

2] - I                     (198) 

These simultaneous equations are solved easily for large 
sweep angles by first assigning a value of A(u/ue) and then calculating 
Aq /ue , n, pe/p2» and A(u/ue) in that order. Then a recalculation is 

performed using the new value of A(u/ue) . Convergence occurs rapidly 
for large sweep angles even if zero is initially assigned to the value of 

A(u/ue) . Convergence has not been checked for other sweep angles so 
that a different procedure may be necessary if the sweep angle is changed. 

Once the density ratio is established, the pressure ratio is 
easily found from the polytropic relation: 

p2/pe = P'/P; = (pe/p2)"
n (199) 
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(M) Appendix--Calculation of the Inlet Length for Zero Pressure 
Gradient 

The inlet length of a slot is defined as the length of the slot 
required before the boundary layer extends completely across the slot. 
In the two-dimensional slot with no spanwise velocity component there is 
a negative pressure gradient along the flow direction which is directly 
related to the centerline velocity. This gradient tends to accelerate 
the boundary layer air and, therefore, to extend the inlet length. The 
spanwise component of velocity which results when the slot is swept is 
not aided by spanwise pressure gradients so that the inlet length is 
shorter than it would be with a favorable pressure gradient. This inlet 
length is estimated below from known incompressible characteristics (see 
reference 73). 

For any station along the inlet length the kinetic energy 
flow rate for incompressible flow is given by the summation of the energy 
flow rates in the two boundary layers plus that in the isentropic core. 
In the boundary layers 

mu26 = P(ui>36[1(1 " d2)3 d^d) = (l6/35)p(ui)36 (200) 

o 

where 6 = boundary layer thickness and d = l-^z'/w^. 

In the isentropic core 

mu2c = 0.5p(ui)
3(wi - 26) (201) 

And the total kinetic energy flow rate is 

mu2x = 0'5p(u^)3wi[l - (19/35)(26/wi)] (202) 

The mass flow rate mr is equal to pu-jW^ so that the unit energy flow rate 
is 

mu2x/mr = 0.5(u^)2(ux/ui) [l - (19/35)(26/wi)] (2Ö3) 

The displacement thickness of the boundary layer is 6/3 for 
a parabolic profile. Also, the center streamline is isentropic in the 
inlet length so that one may write 

ux/ui = wi/we = wi/(wi " 26/3) (204) 

or 

26^ = 3(1 - u./ux) (205) 

Substituting this value in equation (203), one obtains 

mu2x/mr = 0-5(ui)2(ux/ui) [l - 1.62857(1 - UiA^)] 

= 0.5(u^)2 [1 + 0.62857(1 - u^u^] (206) 
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(M) Appendix--Calculation of the Inlet Length for Zero Pressure 
Gradient (Continued) 

This is the total unit energy flow rate. One can subtract the portion of 
the energy change due to the buoyancy work and obtain the friction work. 
The unit buoyancy work to any station is (u^) /2 and when this quantity 
is subtracted from equation (207) the friction work is seen to be 

Wf = -0.62857(1 - ux/ui)(ui)
2/2 (207) 

or 

2Wf/(up
2 = -0.62857(1 - ux/ui)(ux/ui)

2 (208) 

The velocity ratios in the equation above can be represented 
approximately by the expressions given below. These empirical representa- 
tions were obtained by plotting the information given in reference 73 on 
log-log graph paper and approximating the curves with straight lines. The 
expression obtained for the velocity ratio may also be used to obtain the 
corresponding inlet length since it may be solved for ux/ui = 1.5 which 
is the value at the end of the inlet length, 

Ux/Ui = 1 + 1.28a0,4435 (209) 

(ux/ui)
2 = 1 + 3.6084a0,5 (210) 

ae = 0.12 (when u^^  = 1.5) (211) 

Then approximately 

2Wf/(u')2 = -0.62857(1 + 3.6084a0,5)(1.28a0*4435) (2x2) 

and the differential with respect to a is 

d[2Wf/(un
2]da = -2.7392a'0,0565 - 0.35683a'0,5565       (213) 

It is now desired to find a similar differential that can 
be used for the spanwise flow, but such a differential should be based on 
the local velocity and a modified value of o, namely au, which is defined 
as A^x/pu^2. Note that this is based on the local rather than the in- 
let velocityt Then 

dcu  = (ux/ui)do (214) 

d[2Wi;/(u
,)2]/dau = (ui/ux)d[2Wf/(u')

2]/da (215) 

= -(2.7392a-0-0565 + 0.35683o"
0-5565)/(1 + 1.28c

0-4435) 

This differential may now be averaged over the inlet length by integrating 
with respect to c and dividing by 0.12 (the inlet length c). This has 
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(M) Appendlx--Calculation of the Inlet Length for Zero Pressure 
Gradient (Continued) 

been done graphically and the average value was found to be -4.335. It 
is assumed that a similar average value is appropriate for the spanwise 
flow. Then 

{d[2Wf/(v^)
2]/dav} = -4.335 (216) 

*• Jm 

where v^ = v! = constant, and tht subscript m denotes the average value 
in the inlet length. 

The unit kinetic energy lost in the inlet length (for the 
spanwise flow) equals the spanwise friction work and is given by 

AWf = -4.335Aav(vp
2/2 = 0.3l43(vp2/2 (217) 

where the second equality is simply the energy deficit in the parabolic 
profile. Solving for Aav one obtains 

Aav = 0.726 (218) 

But the reference parameter used in the calculation of the slot losses is 
a, which is based on the perpendicular component of flow. It is desirable, 
therefore, to determine the value of Aav in terms of o. This may be done 
as follows: 

2 d^       4^dx,pv|wi        vjdx'      v{ui x  ux  ux 
(219) 

dov  pu^^dy'  u'dy'  u^  u^  ^ 

Substituting equation (209) for ux/Ui and integrating 

Aov     -.aj ., 
cd=/   dov = /   [1/(1 + 1.28a  HJ:>)]da a-0.0974     (220) 

o       o 

The integration was carried out graphically. It is seen, then, that for 
Incompressible flow Aav will occur when aj = 0.0974. It is clear that 
the spanwise boundary layer fills the slot upstream of the point where 
the chordwise boundary layer fills the slot; i.e., the spanwise inlet 
length is indeed shorter than the chordwise inlet length (based on the 
perpendicular distance from the inlet). 

For compressible flow these values of o at the end of the 
inlet lengths would probably increase because of the reduction of density 
and consequent additional acceleratio. of the perpendicular component of 
velocity. Then the inlet length woul' be different for each inlet Mach 
number and the problem of calculating ti.1 losses becomes very complicated. 
It is convenient, therefore, to assume that the inlet lengths do not vary 
with Mach number and to use the incompressible values calculated above. 
This assumption is justified because the friction forces change slowly 
near the end of the inlet length and are essentially the same as the 
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(M) Appendix--Calculation of the Inlet Length for Zero Pressure 
ij adlent (Continued) 

friction forces just downstream of the inlet length. Then a large change 
in the value assumed for the inlet length causes only a small change in 
the calculated losses for the slot. Since the inlet length is not critical, 
and since considerable simplification results when constant values are 
assumed, the incompressible values calculated may be assumed to be appli- 
cable for all Mach numbers in the calculation of the compressible flow 
losses for swept slots. 

(N) Appendix--Reduction of Spanwise Velocity Downstream of the 
Inlet Length 

Since there is no pressure gradient for the spanwise component 
of velocity, the reduction of velocity is directly related to the skin 
friction. Then, from the definition of p,, one may write for a slot 

d^/dy'dx» = -2Mv(dv
,/dz,)w (221) 

where the factor 2 results from the fact that there are two walls. For 
the assumed parabolic velocity distribution with maximum centerlina 
velocity v^ the slope at the wall is 

(dv,/dz')w = Av^/Wi (222) 

The rate of change of momentum per unit slot span for boundary layers 
extending to the slot centerlines may be shown to be 

d^/d^dy' = rarkmvdv^/dx [see paragraph (K) ] (223) 

where 

m = mass flow rate in the perpendicular direction 

krav = ratio of average momentum velocity to v' 

x' = distance through slot (perpendicular direction) 

t* = time 

Equating the rate of change of momentum to the friction force per unit 
area 

-8V'/wi = mrkmvdv;/dx' (224) 

or 

■(8llw/kmvmrwi)dx' = (1/vi)dvi (225) 

and, after integrating between the end of the inlet (station e) and the 
slot exit (station 2), one obtains 
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(N) Appendix—Reduction of Spanwise Velocity Downstream of the 
Inlet Length (Continued) 

InCv^/v^) = -8M^Ax/kmvmrwi = -2Aa/kmv (226) 

where £1  is the difference between the exit and inlet length a's. The 
momentum factor k^ is given in paragraph (K) where it is noted that it 
is approximately equal to 0.80, With this approximation 

ln(v^/vp = 2.5Aa (227) 

or 

(v /v )2 = (v'/v')2 = e"5Aa = 1 + A(v/v )2 (228) 
2 e     2 e e 

(0) Appendix--Calculation of Losses in the Inlet Length for 
Perpendicular Flow 

The inlet length of a slot (two-dimensional channel) is 
defined as the distance along the flow direction which is required before 
the boundary layer extends from wall to wall. For the extent of this 
length the center streamline flow is isentropic for two-dimensional flow. 
For a swept slot the inlet length will be defined in a similar manner; 
namely, the perpendicular distance between the slot inlet and the loci of 
points where the boundary layer for the component of velocity under con- 
sideration just begins to extend from wall to wall. For such swept slots, 
however, the inlet length for the spanwise component of velocity is shorter 
than the inlet length for the perpendicular component of velocity (see 
paragraph (M). Downstream of the inlet length for the spanwise flow, 
therefore, some of the kinetic energy of the center streamline is converted 
to heat so that the center streamline flow is no longer isentropic down- 
stream of this point. The energy conversion is small along this difference 
in inlet lengths, however, so that it is convenient to perform the calcula- 
tion in two parts consisting of an isentropic step from station i to 
station d followed by a heat addition at constant pressure from station d 
to e (Figs. 159 & 165). Only a negligible error is introduced by this 
procedure because of the small heat addend. 

It has been shown in paragraph (M) that the effective channel 
width for a parabolic profile (such as at station e) is a function of the 
kinetic energy due to the resultant velocity. On the other hand, the 
perpendicular component of velocity at e is a function of the effective 
channel width ratio. This interrelation makes a forward solution of the 
problem difficult.  However, it is relatively simple to assume final values 
of Ce and (ve/ue) and then to work forward to determine what combination 
of inlet variables result in the assumed end of inlet variables.  The pro- 
cedure begins by assuming Ce and calculating the effective channel width 
ratio from Equations (156) and (157). 

w /w. = (1-C)(0.66667 + 0.45714C + 0.36939C 2 + 0.31810Co
3)   (229) 

Then  (ve/ue)^ is assumed, and the remaining variables at station e are 
found. 
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(0) Appcndix--Calculation of Losses in the Inlet Length for 
Perpendicular Flow (Continued) 

t It    = 1 - C (230) e a      e 

ue
2/2Cpta = ^ = Ce/[1 + (ve/ue)

2] (231) 

Cve = V^1 + (ue/ve)2] = Cue(ve/ue)
2 (232) 

In paragraph (M) the value of a at the end of the inlet 
length for spanwise flow is shown to be 0.0974 [equation (220)] whereas 
the a at the inlet length for the perpendicular flow is 0.120 [equation 
(211)]. The difference, then, is Aa = 0.0226. Then by virtue of equa- 
tion (228), the corresponding kinetic energy ratio is 

(vd/ve) = e
5,0AG:=* 1.12 (233) 

so that 

Cvd = 1.12Cve (234) 

Since the path from e to d is at constant pressure, there can be no 
change in u for the center streamline (friction is eliminated for this 
streamline since the boundary layer thickness for the u component does 
not yet reach the centerline of the slot). 

(235) 

(236) 

(237) 

PeWg/Pd^ = ^ ^238) 

and at constant pressure 

wd/we = Pe^d = (td/ta)/(te/ta) (239) 

Jud = Cud/(td/ta) (240) 

Cud 
— Cue 

cd = cue + cVd 

V'a = 1 - Cd 

Mud= ^5-0Jud ^V 

w*/wd = 1.728Mud/(l + 0.2Mud
2)3-0 (242) 

2     2 
(udMvd) = "ud m + Jud) (243) 

w*/wi = (w*/wd)(wd/we)(we/wi) 

= 1.728^^(1 + O^I^^)3"0 (244) 

from which M^ may be determined as well as w*^. Then, 

(ui/avi)2 = "ui2^1 + O-^i) (245) 
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■ 
(0) Appendix—Calculation of Losses in the Inlet Length for 

Perpendicular Flow (Continued) 

and since a  = a ,, u = u,, and v = v, 
vi   vd  e   d      id 

(u/u )2 = (u /u )2 = (w /a )2/(u./a )2 (246) 
d i     ex     d av    i av 

(v./u.)2 = (vd/ud)
2(ud/ui)

2 = (Cvd/Cue)(ue/ui)
2 (247) 

o 
Thus, one may arrive at the initial conditions v^/w^ and (v^/u^) that 
result in a velocity ratio of (Ug/u^)^. A series of such calculations 
has been completed and after some crossplotting and interpolation the 
results shown in Fig. 161 were obtained.  The data points represent the 
results obtained from graphical interpolation of the calculated -esults. 
The lines which approximate the data points are given by the empirical 
equation in the figure.  It is seen that these lines very closely repre- 
sent the calculated values of (u^/u,- ). 

I ft 

' 
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CHAPTER E. PRESSURE DROP IN LAMINAR FLOW TUBES WITH COMPRESSIBLE FLOW 

W, Pfenninger 
K. H. Rogers 

(A) Summary 

The pressure drop for laminar flow in a circular tube of 0.2A4- 
inch inside diameter and 11.3-foot length was measured for several inlet Mach 
numbers M0 at different reservoir pressures p^. The pressure ratio p/p^ is 
presented versus the nondimensional tube length x/RRj^ for various inlet Mach 
numbers. With increasing values of M0 and x/RR^ the density and static pres- 
sures decreased rapidly until choking occurred at the downstream end of the 
test tube at pressure ratios p/p^ ^ 0.20 to 0.25. These pressure ratios at 
choking are considerably lower than for one-diiaensional potential flow in a 
tube. Boundary layer measurements at the downstream end of the test tube for 
choked conditions showed supersonic flow in the center and subsonic flow toward 
the wall of the tube with an average Mach number of approximately one. 

The highest length Reynolds number with full length laminar flow 
was U0xE/u0 = 26.1 x 10

6 at M0 = 0.430. 

(B) Notation 

x       tube length measured from the fictitious inlet where the 
boundary layer thickness is zero 

p absolute static pressure 

R tube radius 

u0 kinematic viscosity at tube inlet 

M0 Mach number at tube inlet 

U potential flow velocity 

U0 mean velocity at tube inlet 
Tr0R 

Rri      m v— "  tube Reynolds number at tube inlet with zero 
0   boundary layer thickness 

Indices 

o       fictitious tube inlet where the boundary layer thickness 
is zero 

k       inlet reservoir, with the air at rest 

5       station of first static pressure orifice in test tube 

E       end of test tube 

-548- 



(C) Introduction 

In supersonic low drag suction airplanes and suction models for 
wind tunnel investigations the pressure drop through the components of the 
suction ducting system can be a relatively large percentage of the absolute 
pressure. The flow through the components of the suction ducting system (suc- 
tion slots and holes, ducts, etc.) must then be treated as compressible, and 
the question then arises as to the pressure drop through the suction slots, 
holes and ducts for compressible flow. 

In order to provide data for the compressible laminar pressure 
drop in suction holes, the pressure distribution for compressible laminar flow 
was measured along the inside of a circular tube of 0,244-inch inside diameter 
and 11.3-foot length at various inlet Mach numbers M0 and several absolute 
pressures p^ in the inlet reservoir. 

(D) Experimental Setup 

The experimental setup, consisting of a large inlet tube of 4-inch 
inside diameter with seven damping screens (0.0035-inch wire diameter, 120 mesh 
size) followed by a long inlet nozzle and the test tube of 0.244-inch inside 
diameter and 11.3-foot length, is shown in Figure 166 . The inlet tube was 
connected to a high-pressure dry air supply. The air was removed by means of 
a pump located downstream of the exit reservoir (Figure 166 ). The flow rate 
through the tube and the absolute pressure at the inlet downstream of the 
screens could be varied over a wide range. 

The static pressure in the inlet nozzle and in the test tube was 
measured by means of 0.020-inch diameter static pressure orifices connected to 
a bank of mercury U-tube manometers. The wall temperature was measured by means 
of thermocouples. 

Full length laminar flow was maintained at p^ = 0.8 atmosphere up 
to an inlet Mach number M0 « 0,430, corresponding to a tube length Reynolds 

IT • y 
number for laminar flow _£ £ «= 26.1 x 106. The highest reservoir pressure 

u 
o 

p^ with full length laminar flow for a short time was 1.0 atmosphere. Transi- 

tion occurred, however, before pressure data could be taken. 

The pressure ratio p/p^ (p^ = absolute static pressure with the 

flow at rest) was evaluated at various stations along the tube for different 
Mach numbers at the beginning of the test tube and for several reservoir 
static pressures pk (p^ =0,1 to 0.8 atmosphere). The mean velocity ij0 at the 

fictitious inlet of tin« Lest tube, where the boundary layer thickness is zero, 
was determined from the pressure drop across the inlet nozzle and from a noz- 
zle calibration obtained during previous experiments in a 2-inch inside 
diameter tube with a geometrically similar inlet nozzle shape.  Comptessibility 
corrections were applied to the nozzle calibration curves of Figure 167x which 
show, for various Reynolds numbers RR and Mach number M0, the ratio U5/U of 
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(E) Measurements, Evaluation and Experimental Results (Continued) 

the potential flow velocity U5 at the first static pressure orifice (number 5) 

in the test tube to the mean velocity U0 at the tube inlet, where the boundary 

layer thickness is zero. Figure 168 shows the distance Xe from the first static 

pressure orifice (number 5) in the test tube to the fictitious tube inlet of 

zero boundary layer thickness for various Reynolds numbers RR = --— (index zero 
o 

refers to condition at tube inlet with zero boundary layer thickness). 

According to theory, for a given inlet Mach number M0, the pres- 
sure ratio p/pk is a function of the nondimensional tube length x/RR^. 

In Figures 169-172 and Table Xll the pressure ratio p/pk is plotted 

v • V 
versus the nondimensional tube length — ■ ■ °g -— for various inlet Mach numbers 

Ü0R
2  RRR 

M0 and for different values of the absolute reservoir pressure p, with the air 

at rest. 

At the lower inlet Mach numbers M0 and for smaller values of 
x/RRpv the density variation along the tube is relatively small and compres- 
sibility effects do not appreciably affect the pressure drop in the tube. At 
higher values of 1I0 and x/RRR, however, the density and static pressure p 

decreases rapidly in doxmstreara direction until choking occurs at the down- 
stream end of the test tube. At larger nondimensional tube lengths choking 
was observed at pressure ratios p/p^ =* 0.2. At smaller values X/RRR ^ 0,04 

to 0.05 the pressure ratio at choking was p/p^ ^ 0.25 (Figures 173 and 174). 

The values of X/RRR at choking increase considerably with 
decreasing inlet Mach numbers M0 (Figures 173 and 174). 

The observed pressure ratios at choking are considerably lower 
than for the case of one-dimensional potential flow in a tube. Boundary layer 
measurements at the downstream end of the test tube for choked conditions 
showed supersonic flow in the center and subsonic flow toward the wall of the 
tube. The average Mach number at the tube exit was then approximately M ^ 1. 
Under such conditions the higher Mach number in the center of the tube requires 
a considerably lower pressure for choking than for the case of one-dimensional 
potential flow in a tube. 
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TABLE I 

SLOT DIMENSIONS AND RAKE HEIGHTS OF 41" CHORD FLAT PLATE SUCTION MODEL 

Slot Dimensions 

Location of Location of Slot Slot Average 
Suction First Slot Last Slot Number ol Spacing Width Slot Span 
Chamber (in) (in) Slots (in) 

.42 

(in) 

.0040 

(in) 

1 2.00 3.68 5 14.36 
2 4.11 6.26 6 .43 .0045 13.68 
3 6.70 9.40 7 .45 .0050 12.84 
4 9.90 13.40 8 .50 .0050 11.80 
5 13.90 17.90 9 .50 .0050 10.57 
6 18.40 23.40 11 .50 .0050 9.12 
7 23.95 31.10 14 .55 .0050 7.20 
8 31.65 39.90 16 .55 .0050 4.80 

Rake Heights 

(Average values during period of testing) 

1 .014 in 
2 .036 in 
3 .053 in 
4 .067 in 
5 .090 in 
6 .113 in 
7 .150 in 
8 .183 in 
9 .226 in 

10 .300 in 
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TABLE  II 

I 
M 

3.0 

MEASURED SUCTION AND DRAG COEFFICIENTS OF 41" FLAT PLATE SUCTION MODEL 

Xrake (i^ lO"6 R 
X 

io4 cWt io4 cDs 
ioV io4 cDt 

40.19 13.40 
19.17 
26.48 

2.897 
2.191 
2.176 

3.152 
2.283 
2.286 

3.279 
3.093 
2.316 

6.431 
5,376 
4.602 

3'5 40'23 21.91 2.572 2.850 3.033 5.883 

ii 

i 

u 
n 

2.5 40.16 14.18 
14.08 
14.08 

2.465 
2.916 
3.778 

2.528 
3.019 
4.049 

3.025 
2.894 
2.571 

5.553 
5.913 
6.620 

19.32 
19.34 
19.31 
19.27 
19.23 

1.867 
2.083 
2.978 
3.527 
4.060 

1.923 
2.148 
3.159 
3.831 
4.583 

2.941 
2.625 
2.093 
2.119 
2.119 

4.864 
4.773 
5.252 
5,950 
6.702 

21.83 
21.73 

2.052 
2.569 

2.121 
2.682 

2.734 
2.165 

4.855 
4.847 

3.0 23.69 13.64 2.558 2.817 2.519 5.336 

31.38 14.42 
14.53 

2.397 
2.839 

2.540 
3.100 

2.688 
2.460 

5.228 
5.560 

3.5 31.38 14.10 
14.10 
14.09 

2.590 
2.754 
3.329 

2.862 
3.068 
4.011 

3.944 
3.820 
2.990 

6.806 
6.888 
7.001 

16.87 
16.85 
16.92 
16.88 

2.367 
2.597 
3.331 
3.367 

2.609 
2.878 
4.027 
4.063 

3.697 
3.144 
2.865 
2.352 

6.306 
6.022 
6.892 
6.415 
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TABLE  III 

SLOT LOCATIONS AND WIDTHS OF OGIVE CYLINDER SUCTION MODEL 

Chamber Slot Location (in.) Slot Width (in.) 

4.5 .0035 
5.0 
5.5 
6.0 
6.5 
7.0 
7.5 
8.0 .0035 

8.5 .0040 
9.0 
9.5 
10.0 .0040 
10.5 .0045 
11.0 .0045 
11.5 .0050 

12.0 .0060 
12.5 .0065 
13.0 .0070 
13.5 
14.0 
14.5 
15.0 .0070 

15.5 .0070 
16.0 
16.5 
17.0 
17.5 
18.0 
18.5 .0070 
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TABLE V 

COMPRESSIBLE LIFT COEFFICIENTS FOR 72.5° SWEPT WING 

fY» -1.0 -0.5 0.0 0.5 1.0 1.5 2.0 2.5 

"t -0,30 -0.15 0.0 0.15 0.30 0.45 0.60 0.75 

CL»  incompressible 0.52 0.58 0.64 0.70 0.76 0.82 0.88 0.94 

Ct' L  . ^fodified 
c    / Göthert 

correction 

0.67 0.74 0.82 0.90 0.97 1.05 1.12 1.19 

0.060 0.067 0.074 0.081 0.88 0.95 0.101 0.107 

CL' 0.69 0.77 0.85 0.94 1.02 1.10 1.19 1.29 
iKarman-Tsien 

CT   /correction 0.062 0.069 0.077 0.085 0.092 0.099 0.107 0.116 

Ci» L -i  Spreiter-Alksne 
r       correction 
CL i 

0.72 0.81 0.90 0.99 1.08 1.18 1.27 1.36 

0.065 0.073 0.081 0.089 0.097 0.106 0.104 0.122 
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TABLE VI 

CALCULATED DRAG COEFFICIENTS FOR 72.5° SWEPT WING 

M 

R x ID"6 

P/Pa (minimum) 

q«/^ 

0,01 q /P.(assumed loss) 
CO      5 

Ps/Pa (average suction 
pressure) 

Pn,/P, 

Ps/P« 

T,/Ta - WT as 

n 
ic«    x 104 - f0* //R 

2  5SS/:   x 104«CDWU x  104 

CDwc 
X 10 

Cn    x 10 

CDt x 10^ 

2.0 

4.0 

0.08648 

0.3605 

0.00365 

0.08283 

0.1278 

0.648 

0.5556 

2.19 

11.0 

1.840 

0.983 

14.25 

15.23 

2.0 

10.0 

2.86 

9.05 

0.806 

0.545 

11.7 

12.24 

2.0 

30.0 

3.82 

6.97 

0.299 

0.233 

9.02 

9.25 

3.0 

30.0 

0.01936 

0.1414 

0.00141 

0.01795 

0.02722 

0.659 

0,3571 

4.706 

8.60 

0.217 

0.180 

10.30 

10.48 
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TABLE   VII. 

METERING HOLE & SLOT VARIABLES FOR 72.5° SWEPT WING 

Suction 
Chamber Slot Slot Width Hole Spacing Hole Dia. 

No. Number Sf/C* Wj   ~     in. Y       ~     in. d   ~   in. 

1 
1 

1 
2 

0.024 
0.048 

0.003 0.250 0.0350 
0.0420 

1 3 0.072 f h 0.0465 
2 4 0.096 0.0320 
2 5 0.120 0.0330        1 
2 6 0.144 0.0310 
2 7 0.168 0.0292 
3 8 0.192 0.0292 
3 9 0.216 0.0292 
3 10 0.240 0.0292 
3 11 0.264 0.0202 
3 12 0.288 0.0310 
3 13 0.312 0.0310 
4 14 0.336 0.0310 
4 15 0.368 0.0330 
4 16 0.400 0.0330 
4 17 0.432 0.0330 
4 18 0.464 0.0350 
4 19 0.496 0.0350 
4 20 0.528 0.0350 
4 21 0.556 0.0330 
4 22 0.580 0.0330 
4 23 0.600 0.0350 
5 24 0.615 0.0310 
5 25 0.629 0.0310        1 
5 
5 

26 
27 

0.640 
0.648 

\? 0.0310 
0.0350 0.003 

5 28 0.656 0.004 0.0292 
5 29 0.664 A 0.0310 
5 !         30 0.672 0.0320 
5 31 0.680 0.0330 
5 32 0.688 0.0350 
5 33 0.696 0.0360 
5 34 0.704 0.0370 
5 35 0.712 0.0360 
5 36 0.720 0.0350 
5 37 0.728 0.0330 
5 38 0.736 0.0320 
5 
5 

39 
40 

0.744 
0.752 

V \ 0.0320 
0,0310 0.004 0.250 
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TABLE VII 
METERING HOLE & SLOT VARIABLES FOR 72.5° SWEPT WING 
(continued) 

Suction 
Chamber Slot Slot Width Hole Spacing Hole Dia. 

No. Number S»/C» \ii   ~   in. Y       ~     in. d   ~   in. 

5 41 0.760 0.003 0.250 0.0310 
5 42 0.768 Q.Q02 0.125 0,0310 
5 43 0.776 A 0.125 0.0280 
5 44 0.784 0.250 0.0350 
5 45 0.792 4 0.0330 
5 46 0.800 0,0320 
5 47 0.808 0,0310 
5 48 0.816 0,0292 
5 49 0.824 0.0292 
5 50 0.832 0.0280 
6 51 0.840 0.0330 
6 52 0.848 0.0320 
6 53 0.856 0.0310      ! 
6 54 0.864 0,0292       j 
6 55 0.872 0.0292       | 
6 56 0.880 0.0280 
6 57 0.888 0.0280 
6 58 0,896 0.0260 
6 59 0.904 0.0260 
6 60 0.912 0.0250 
6 61 0.920 0.0250 
6 62 0.928 0.0250 
6 63 0.936 0.0250 
6 64 

65 
0.944 
0.952 

0.0250 
0.0330 

66 0.960 0.0320 
67 0.968 0.0310 
68 0.976 0.0292 
69 0.984 0.0292 
70 0.992 0,0280 
71 1.000 0,0280 
72 1.008 0,0260 
73 1.016 0.0260 
74 
75 

1.024 
1.032 

<} ^ 0,0250 
0,0250 0. 303 0.250 
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TABLE VIII 

STATIC PORT LOCATIONS AND NOTES FOR 72.5° SWEPT WING 

Chordwlse Location References Numbers and Notes 
(See Fi2.I28 for Soanwise Location) 

X/C 

0.002 

SMrf^ce 

lower 

Root 

1 

Midspan 

2lA 

Tip 

41 
42 
43 
44 
45* 
46 
47 
48 
49* 

0.002 
0.008 
0.025 
0.046 

upper 
•i 

ii 

M 

2 
3 
4 
5 

22r 

23A 
24* 
25A 

0.090 
0.210 
0.395 
0.603 

II 

II 

!! 

)■ 

6* 
7 
8 
9* 

26A 
27A 

28A 
29A 

0.728 
0.853 
0.952 
0.998 

11 

II 

II 

II 

10 
11* 
12* 
13 

30A 
31A 

32 
33* 

50 
51 
2* 

33 

*Not used because of plugged or leaky tubes 
ADeliberately sealed at a = 0.75° 
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TABLE IX 

COMPARISON OF ACTUAL AND EMPIRICAL WAKE DRAG CORRECTIONS 
FOR 72.5° SWEPT WING 

C.H-iiM .1840 x 10"3 .806 x 10*3 .0299 x 10"3 

Cn (Actual Corrected 
C]^ from calculations .0983 x 10"3 .0545 x 10"3 .0233 x lO"3 

of boundary layer) 

CDW (Empirical Correction) .1304 x 10'3 .0652 x 10'3 .0261 x 10'3 
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TABLE    X 

COMPARISON OF CALCULATED AND MEASURED DRAG COMPONENTS OF 
72.5° SWEPT WING 

a = 0.15 Measured Calculated 

Rc x 10'6 8.85 8.80 10.0 

Cw x I03 0.997 0.884 0.905 

CD   x 103 1.158 1.014 1.170 

26S8/C x 103 0.335 0.654 0.081 

CD,,, x IC3 0.189 0.342 0.055 

CDt x 103 1.347 1,356 1.225 
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TABLE XI 

COMPARISON OF SLOT LOSSES CALCULATED FOR 

DIFFERENT SWEEP ANGLES AND ASSIGNED VALUES OF rf 

SWEEP =: 0.0° SWEEP = 72.5° 
VARIABLE 

GROTH'S SWEPT SLOT SWEPT SLOT 
METHOD* METHOD METHOD 

A" - inches 0.08 0.08 0.08 0.08 

w. - inches 0.0035 0.0035 0.0035 0.0035 

rf 0.0000 0.0001 0.0001 1.0000 

,a x 10
6 0.3604 0.3604 0.3930 0.3930 

a2 0,5369 0.5369 0.5855 0.5855 

1  Re x 10'6 10.0 10.0 10.0 10.0 

1  f * o 5.4897 5.4897 5.4897 5.4897 

P2/P 0.9450 0.9473 0.9354 0.9568 

AP/P = (P - P2)/P 0.0550 0.0527 0.0646 0.0432 

*ln the application of Groth's method a simplification is frequently made 
in which it is assumed that u^/ua = \/^&-    The more accurate relation 

given in reference 117, ub/ua = 
(Tb/Ta^ * » was ased in the calculation 

above to be more consistent with the assumptions used for the swept slot 
method. 
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TABLE XII 

PRESSURE DROP IN UVMINAR FLOW TUBE WITH COMPRESSIBLE FLOW 

p/pk vs x/RRR 

Mo Po'Pk    RR 

0.9928    848 

Pk 
(at.)      Mo 

?k 
Po/Pk    RR    (at.) 

0.101 0.1     0.1336 0.9876   1875    0.2 

x/RRc P/Pk x/RRc 

0.0091 0.989 
0.0167 0.988 
0.0456 0.984 
0.0747 0.977 
0.1040 0.972 
0.1325 0.968 
0.1710 0.962 
0.2100 0.959 
0.2480 0.953 
0.2870 0.950 
0.3260 0.943 
0.3830 0.934 
0.4420 0.925 
0.4990 0.920 
0.5510 0.911 
0.6720 0.895 
0.7900 0.878 
0.9030 0.862 
1.0200 0.842 
1.1350 0.823 
1.2550 0.803 
1.3400 0.790 

0.0043 0.984 
0.00775 0.982 
0.0208 0.977 
0.0341 0.973 
0.0472 0.969 
0.0603 0.966 
0.7770 0.961 
0.0952 0.958 
0.1128 0.953 
0.1301 0.949 
0.1476 0.946 
0.1738 0.940 
0.2000 0.934 
0.2260 0.929 
0.2520 0.923 
0.3045 0.913 
0,3570 0.899 
0.4100 0.889 
0.4620 0.869 
0.5150 0.863 
0.5670 0.847 
0.6060 0.838 
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TABLE XII (continued) 

Pk Pk 

% Pp^Pk   h.        [^1 ^2. po/pk    ^R   (at-) 

0.139   0.9866 3910   0.4     0.143   0.9858    978   0.1 

x/RRR     p/pk x/RRR     p/pk 

0.00211 0.9829 
0.00376 0.9816 
0.01005 0.9773 
0.0164 0.9757 
0.0227 0.9721 
0.0290 0.9704 
0.0373 0.9675 
0.0457 0.9648 
0.0540 0.9625 
0.0625 0.9606 
0.0709 0.9580 
0.0835 0.9547 
0.960 0.9517 
0.1085 0.9484 
0.1210 0.9451 
0.1462 0.9399 
0.1712 0.9336 
0.1968 0.9267 
0.2220 0.9215 
0.2470 0.9149 
0.2720 0.9083 
0.2910 0.9034 

0.0081 0.980 
0.0146 0.977 
0.0398 0.968 
0.0652 0.963 
0.0903 0.954 
0.1153 0.949 
0.1487 0.940 
0.1824 0.932 
0.2155 0.924 
0.2495 0.915 
0.2830 0.908 
0.3330 0.895 
0.3835 0.880 
0.4330 0.869 
0.4830 0.854 
0.5840 0.828 
0.6850 0.796 
0.7860 0.766 
0.8880 0.733 
0.9870 0.700 
1.0880 0.664 
1.1620 0.637 
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TABLE XII (continued) 

Pk Pk 
"o   Pp/Pk    ^R   (at.) MQ   Pp/Pk    %   ^t.) 

0.197   0.9733   2750    0.2 0.202   0.9719   1370    0.1 

X/RRR      p/pk X/RRR      p/pk 

0.00295 0.965 
0.0053 0.963 
0.0143 0.953 
0.0232 0.946 
0.0322 0.940 
0.0411 0.935 
0.0529 0.927 
0.0648 0.920 
0.0767 0.913 
0.0887 0.907 
0.1007 0.901 
0.1184 0.892 
0.1362 0.880 
0.1539 0.872 
0.1717 0.861 
0.2076 0.844 
0.2430 0.824 
0.2795 0.804 
0.3150 0.784 
0.3405 0.761 
0.3860 0.738 
0.4130 0.721 

0.0059 0.9617 
0.0106 0.9564 
0.0285 0.9419 
0.0466 0.9287 
0.0645 0.9194 
0.0825 0.9089 
0.1063 0.8956 
0.1302 0.8824 
0.1540 0.8692 
0.1780 0.8573 
0.2020 0.8441 
0.2380 0.8243 
0.2735 0.8045 
0.3090 0.7847 
0.3450 0.7635 
0.4170 0.7213 
0.4880 0.6711 
0.5610 0.6196 
0.6330 0.5601 
0.7040 0.4848 
0.7760 0.3923 
0.8300 0.2559 
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TABLE XII (continued) 

Pk Pk 
Mo    pp/pk    RR   (at.)     MQ    Po/Pk    ^R    (at.) 

0.206   0.9708   8620    0.6     0.212   0.9691   1765    0.1 

X/RRR      p/pk X/RRR      p/pk 

0.00097 0.9647 
0.00172 0.9625 
0.00456 0.9575 
0.00745 0.9535 
0.01030 0.9498 
0.01313 0.9467 
0.01692 0.9428 
0.02075 0.9390 
0.02455 0.9360 
0.02836 0.9329 
0.0322 0.9294 
0.0379 0.9252 
0.0436 0.9206 
0.0492 0.9165 
0.0549 0.9125 
0.0664 0.9051 
0.0778 0.8970 
0.0894 0.8893 
0.1008 0.8814 
0.1120 0.8731 
0.1234 0.8662 
0.1320 0.8610 

0.0046 0.9580 
0.0082 0.9541 
0.0221 0.9409 
0.0362 0.9291 
0.0501 0.9173 
0.0640 0.9055 
0.0825 0.8924 
0.1010 0.8793 
0.1197 0.8661 
0.1380 0.8530 
0.1567 0.8399 
0.1847 0.8202 
0.222 0.7979 
0.240 0.7756 
0.268 0.7507 
0.324 0.7034 
0.379 0.6535 
0.435 0.5984 
0.491 0.5302 
0.547 0.4501 
0.603 0.3412 
0.644 0.1798 
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TABLE XII (continued) 

Mo Po/Pk 

0.225   0.9652 

X/RRR 

0.00068 
0.00120 
0.00315 
0.00515 
0.00708 
0.00903 
0.01163 
0.01427 
0.01688 
0.01950 
0.02215 
0.02604 
0.02997 
0.03380 
0.03775 
0.0456 
0.0534 
0.0613 
0.0692 
0.0770 
0.08485 
0.0907 

Pk Pk 
RR    (at.) Mo    Po^Pk RR    (at.) 

12,520   0.8 0.233   0.9629 3220    0.2 

P/Pk X/RRR P/Pk 

0.9589 0.00266 0.945 
0.9571 0.00457 0.941 
0.9519 0.0122 0.927 
0.9477 0.0199 0.917 
0.9442 0.0276 0.909 
0.9413 0.0352 0.Q01 
0.9376 0.04535 O.uW 
0.9342 0.0555 0.881 
0.9310 0.0657 0.872 
0.9282 0.0760 0.862 
0.9252 0.0863 0.853 
0.9212 0.1014 0.839 
0.9173 0.1167 0.825 
0.9130 0.1318 0.811 
0.9093 0.1470 0.797 
0.9015 0.1778 0.782 
0.8948 0.2080 0.741 
0.8877 0.2390 0.710 
0.8803 0.2695 0.674 
0.8736 0.3000 0.640 
0.8670 0.3305 0.599 
0.8617 0.3540 0.573 
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TABLE  XII (continued) 

M. Po/Pk 

Pk 
(at.) M. Po/Pk 

Pk 
(at.) 

0.2375  0.9615 6560 0.4 0.283   0.9459  11,630   0.6 

x/RRR P/Pk x/RRR P/Pk 

0.00128 0.9526 
0.00226 0.9500 
0.00600 0.9410 
0.00976 0.9351 
0.0135 0.9299 
0.0172 0.9243 
0.0223 0.9183 
0.0273 0.9131 
0.0323 0.9071 
0.0372 0.9009 
0.0421 0.8959 
0.0497 0.8887 
0.0572 0.8811 
0.0646 0.8749 
0.0721 0.8673 
0.0872 0.8535 
0.1020 0.8393 
0.1172 0.8255 
0.1320 0.8113 
0.1470 0.7975 
0.1620 0.7824 
0.1732 0.7712 

0.00072 0.9355 
0.00128 0.9324 
0.00338 0.9236 
0.00553 0.9168 
0.00726 0.9109 
0.00975 0.9061 
0.01253 0.8990 
0.01538 0.8933 
0.01817 0.8876 
0.02100 0.8823 
0,02380 0.8769 
0.02805 0.8694 
0.0323 0.8624 
0.03645 0.8556 
0.04065 0.8472 
0.0491 0.8338 
0.0576 0.8202 
0.0661 0.8071 
0.0745 0.7937 
0.0830 0.7801 
0.0915 0.7671 
0.0978 0.7564 
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TABLK     XII   (continued) 

Pk Pk 

ÜÖ Po^Pk h (at.) Mo Po/Pk h (at.) 

0.316 0.9331 9000 0.4 0.3275 0.9287 17,880 0.8 

x/RRR P/Pk x/RRB P/Pk 

0.00093 0.9190 
0.00165 0.9151 
0.00437 0.9019 
0.00713 0.8917 
0.00985 0.8825 
0.01257 0.8752 
0.01621 0.8647 
0.01987 0.8548 
0.02350 0.8456 
0.02715 0.8374 
0.0308 0.8292 
0.0363 0.8167 
0.0417 0.8035 
0.0471 0.7920 
0.0525 0.7788 
0.0635 0.7538 
0.0744 0.7288 
0.0855 0.7031 
0.0963 0.6758 
0.1073 0.6484 
0.1180 0.6162 
0.1263 0.5918 

0.00049 0.9164 
0.00085 0.9125 
0.00222 0.9026 
0.00361 0.8951 
0.00498 0.8890 
0.00635 0.8831 
0.00818 0.8758 
0.01002 0.8693 
0.01183 0.8632 
U.01368 0.8587 
0.01552 0.8512 
0.01826 0.8431 
0.02100 0.8353 
0.02375 0.8275 
0.0265 0.8197 
0.0320 0.8050 
0.03745 0.7900 
0.0431 0.7756 
0.0485 0.7610 
0.0540 0.7464 
0.0595 0.7316 
0.0637 0.7207 
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TABLE XII (continued) 

Pk 
Mo   Po/Pk    RR   ^t^     ^o    Po/Pk 

0.3445  0.9212  13,930   0.6 0.355   0.9166 

Pk 
RR   (at.) 

9600 0.4 

X/RRR P/Pk X/RRR P/Pk 

0.00061 0.9081 
0.00107 0.9019 
0.00283 0.8896 
0.00461 0.8798 
0.00637 0.8714 
0.00813 0.8644 
0.01048 0.8548 
0.01283 0.8466 
0.01517 0.8381 
0.01755 0.8300 
0.01987 0.8227 
0.0234 0.8118 
0.02695 0.8010 
0.0304 0.7900 
0.0339 0.7791 
0.0410 0.7576 
0.0480 0.7361 
0.0552 0.7146 
0.0622 0.6922 
0.0693 0.6696 
0.0763 0.6459 
0.0815 0.6264 

0.00088 0.897 
0.00155 0.890 
0.00410 0.877 
0.00669 0.863 
0.00924 0.851 
0.01179 0.839 
0.01520 0.828 
0.01860 0.815 
0.02200 0.806 
0.02544 0.793 
0.02884 0.782 
0.0340 0.766 
0.03905 0.749 
0.0441 0.733 
0.0492 0.714 
0.0595 0.680 
0.0697 0.642 
0.0801 0.602 
0.0903 0.553 
0.1004 0.497 
0.1107 0.418 
0.1183 0.234 
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TABLE     XII   (continued) 

Pk Pk 
Mß    Po/Pk RR   (at.) Mo    Po/Pk RR    (at.) 

0.364   0.9125 19,750   0.8 0.396   0.8975 15,800   0.6 

X/RRR P/Pk x/RRR P/Pk 

0.00044 0.89981 0.00055 0.883 
0.00077 0.89504 0.00096 0.875 
0.00201 0.88369 0.00251 0.859 
0.00327 0.87481 0.00408 0.845 
0.00451 0.86708 0.00563 0.835 
0.00576 0.85984 0.00718 0.825 
0.00740 0.85145 0.00924 0.812 
0.00907 0.84356 0.01135 0.800 
0.01072 0.83632 0.01340 0.788 
0.01239 0.82875 0.01545 0.779 
0.01405 0.8216? 0.01753 0.768 
0.01653 0.81197 0.02065 0.753 
0.01903 0.80243 0.02375 0.737 
0.02150 0.79273 0.02680 0.721 
0.02400 0.78318 0.02990 0.704 
0.0290 0.76443 0.03615 0.670 
0.03395 0.74601 0.0424 0.635 
0.0390 0.72742 0.0486 0.598 
0.0439 0.70916 0.0548 0.555 
0.048 0.68958 0.0610 0.503 
0.0539 0.66952 0.0673 0.429 
0.0576 0.65455 0.0718 0.240 
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TABLE  XII (continued) 

Mo Po/Pk 

0.408   0.8917 21,800 

Pk 
(at.) 

0.8 

Mo 

0.419 

Po/Pk RR 
Pk 
(at.) 

0.8862  20,300   0.73 

x/RRR P/Pk 

0.00040 0.877 
0.00070 0.872 
0.00182 0.859 
0.00296 0.845 
0.00409 0.837 
0.00521 0.828 
0.00671 0.818 
0.00821 0.807 
0.00970 0.797 
0.01122 0.788 
0.01272 0.778 
0.01497 0.767 
0.01722 0.753 
0.01946 0.742 
0.02170 0.727 
0.02620 0.703 
0.03075 0.675 
0.03525 0.648 
0.0398 0.618 
0.0443 0.587 
0.0488 0.552 
0.0522 0.522 

x/RRR P/Pk 

0.00043 0.8712 
0.00075 0.8645 
0.00195 0.8487 
0.00318 0.8362 
0.00439 0.8258 
0.00559 0.8161 
0.00720 0.8041 
0.00883 0.7933 
0.01043 0.7820 
0.01204 0.7714 
0.01367 0.7610 
0.01607 0.7457 
0.01850 0.7299 
0.02090 0.7152 
0.023J0 0.6991 
0.02815 0.6671 
0.03300 0.6331 
0.03785 0.5968 
0.0427 0.5548 
0.0475 0.5044 
0.0524 0.4339 
0.0560 0.2324 
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TABLE XII (continued) 

Pk 

*Jo    Pq/Pk   %   (at») 

0.430   0.8807 23,000   0.8 

x/RRR       p/pk 

0.00038 0.868 
0.00066 0.860 
0.00173 0.843 
0.00282 0.833 
0.00390 0.820 
0.00496 0.810 
0.00639 0.800 
0.00783 0.789 
0.00925 0.778 
0.01070 0.768 
0.012U 0.758 
0.01427 0.743 
0.01640 0.727 
0.01853 0.712 
0.02068 0.685 
0.02500 0.664 
0.02930 0.631 
0.03360 0.595 
0.03790 0.555 
0.04220 0.505 
0.0464 0.436 
0.0497 0.257 
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FIGURE 5    SUCTION EQUIPMENT ON NON-OPERATING  SIDE OF TUNNEL 
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WAKE,  SUCTION AND TOTAL DRAG COEFFICIENTS VS SUCTION COEFFICIENT 

M = 3.0, Rc = 8.0 and 13.0 x 106 
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WAKE, SUCTION AND TOTAL DRAG COEFFICIENTS VS SUCTION COEFFICIENT 
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WAKE, SUCTION AND TOTAL DRAG COEFFICIENTS VS SUCTION COEFFICIENT 

M = 3.5, Rc = 13.8, 17.6 and 21.4 x ID
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FIGURE 12 

OPTIMUM SUCTIC»! COEFFICIENT VS 
REYNOLDS FUMBER FOR M - 3.0 and 3.5 
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FIGURE 14 

SUCTION DISTRIBUTIONS AND MOMENTUM THICKNESS REYNOLDS 
NUMBERS FOR THEORETICAL BOUNDARY LAYER CALCULATIONS 

Pw , yj Rc and 
Rr 

/T£ 
VS X 
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FIGURE 14 

SUCTION DISTRIBUTIONS AND MOMENTUM THICKNESS REYNOLDS 
NUMBERS FOR THEORETICAL BOUNDARY LAYER CALCULATIONS 

Pw vc Rc and 
7^ 

VS X 
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FIGURE 16 

COMPARISON OF TOTAL DRAG COErFICIENT hKASURED AT STATION 
x = ^1.4 INCHES WITH MINIMUK TOTAL DRAG COEFFICIENTS 

MEASURED AT c = 40.23 INCHES FOR M» = 3.0 
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FIGURE 17 

COMPARISON OF THEORETICAL AND EXPERIMENTAL BOUNDARY LAYER VELOCITY PROFILES 

M = 3.0, Rc = 25.7 x I0
6, c = 40.23 INCHES 
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FIGURE 18 

COMPARISON OF THEORETICAL AND EXPERIMENTAL BOUNDARY LAYER VELOCITY PROFILES 

M = 3.5, Rc = 21.4 x 106, c = 40.40 INCHES 
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FIGURE  19 

C(»ffARlSON OF THEORETICAL AND EXPERIMENTAL BOUNDARY LAYER VELOCITY PROFILES 

M = 3.0, R    = 18.0 x 106, c - 40.23 INCHES 

•606- 



/.o 

2t 

.s 

./ 

_ ..     _  ..   .    _l ___. ., __._s^.. ..,, . ,_ 

: 

;/^i     i 

1         /!/ 
i    / '/ 
! /   / 
1/   / ! 

/ / 
■      /!   /     ! 

/     i      ' 
'     /     /        ! 

/     /         ; 

I     ^ 
\        i \           \           '          i 

r.~ 
1  

* /.7a */0'y 

.-   /. 78 * /ow / 

/ IT 
1  /       !           i n/  

/ / 

// 

/ /  

/     ' 

, - /  /     ; 
i      /                   '             i 

/   i             !      i 
/          i                 :                 i 

/ \                      i 
i 
i  1 _ _ 

/ 
1 1 

i 
i 

(' 

i 

0/ oz .03 oi 
y UN) 

OS .06 .07 .06 

FIGURE 20 

COMPARISON OF THEORETICAL AND EXPERIMENTAL BOUNDARY LAYER VELOCITY PROFILES 
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FIGURE  25-1 

MACH NUMBER AND TOTAL HEAD DISTRIBUTION AT OUTER EDGE OF BOUNDARY LAYER 

FOR M- = 3.0,  CWt = 2.37A x IG'4,   Rc -  25.7 x  ID6 
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104C, 

FIGURE 25-3 

WAKE, SUCTION, AND TOTAL DRAG COEFFICIENTS 
VS TOTAL SUCTION COEFFICIENT M = 3.0 
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FiaRE 25-4 

WAKE,  SUCTION,  AND TOTAL DRAG COEFFICIENTS 
VS TOTAL SUCTION COEFFICIENT M = 3.5 
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FIGURE 25-5 

MINIMUM TOTAL DRAG AND OPTIMUM TOTAL SUCTION 
COEFFICIENTS ON FLAT PLATE SUCTION MODEL 
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- Shock Wave 

Suction Slots 

FUN VIEW 

P/P. 

l.U 

N 
r Shock Impingement 

Along Slot 

/ '■■"™' "■' 

— Inside Suction Chamber 

PKiiSSlKU: UlSTKlliUTlONS AT SECTION A-A 

FIGURE 29 

INFLUENCE OF SHOCK WAVE ON PRESSURE FIELD IN SLOTTED AREA 
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Trailing edge 

Shock wave «t M = 3.5 3.0  2.5 

FIGURE 30 

LOCATION OF SUCTION CHAMBERS AND SHOCK WAVES FOR 
SHOCK GENERATOR MOUNTED OUTSIDE SUCTION AREA 
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Leading edge 

Trailing edge 

FIGURE 31 

LOCATION OF SUCTION CHAMBERS AND SHOCK WAVES FOR SHOCK GENERATOR 
MOUNTED INSIDE SUCTION AREA 
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M = 3.5 

FIGURE 32 

THEORETICAL PRESSURE RISE -1 VS SHOCK GENERATOR ANCLE f» 
Pi 
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O Adjustable shock generator mounted outside suction area 

A Fixed shock generator mounted inside suction area 

104 Cn 

lo4Cw. 

1.00 1.05 I.10 1.15 
P2/P1 

1.20 

FIGURE 33 

TOTAL DRAG AND SUCTION COEFFICIENTS VS SHOCK INTENSITY 

M - 2.5 Rj, - 14.2 x 106 <xrake " *0,2 ln,) 
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O Adjustable shock generator mounted outside suction area 

A Fixed shock generator mounted inside suction area 

A 

1 

4 
10 C, 

io4Cw 

1.00 1.03 1.10 
P2^Pl 

1.15 1.20 

FIGURE 3A 

TOTAL DRAG AND SUCTION COEFFICIENTS VS SHOCK INTENSITY 

M » 2.5 Rx » 19.9 x 10
6 (xraj(e « <i0.2 in.) 
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O Adjustable shock generator mounted outside suction area 

A Fixed shock generator mounted inside suction area 

1.00 1.05 1.10       1.15 

P2/P1 

1.20 

FIGURE 35 

TOTAL DRAG AND SUCTION COEFFICIENTS VS SHOCK INTENSITY 

(xrake = A0.2  in.) M = 3.0 Rx = 11.0 x 106 

-626- 

—   m i    -■■-- — ■ ■ HflttaM|k^^MMMMtaaB^^^MM i^g^f^i^maiämmmimmimmimjmmmmmatti 



104 cr 

lo4cwt 

O Adjustable shock generator mounted outside suction area 

A Fixed shock generator mounted inside suction area 

O^ 1.05 I.10      1.15 
PZ/PI 

1.20 

FIGURE 36 

TOTAL DRAG AND SUCTIOH COEFFICIENTS VS SHOCK INTENSITY 

(xrake «40.2 In.) M - 3,0 Rx • 19.0 x 10
6 
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104 CL 

lo4cw. 

O Adjustable shock generator mounted   ^ outside suction area 

A Fixed shock generator mounted inside suction area 

1.10      lilS 

P2/P1 

1.20 

FIGURE 37 

TOTAL DRAG AND SUCTION COEFFICIENTS VS SHOCK INTENSITY 

M - 3.0     R„ = 26,4 x 106     ("rake " 40,2 ln,) Rx = 26.4 x lO' 
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104 C 

lO"* 
^t 

O Adjustable shock generator nounted outside suction area 

A Fixed shock generator mounted Inside suction area 

1.00 1.05 1.10     1.15 

P2/P1 
1.20 

FIGURE 38 

TOTAL DRAG AND SUCTION COEFFICIENTS VS SHOCK INTENSITY 

M - 3.5     Rx - 21.6 x 10
6     (xrake = 40.2 In.) 
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FIGURE 39 

TOTAL DRAG AND SUCTION COEFFICIENTS VS CHORDWISE DISTANCE, xrake 

M " 2'5 Re - 14.4 x I06 (c - 40.2 In.) 
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FIGURE 40 

TOTAL DRAG AND SUCTION COEFFICIENTS VS CHORDWISE DISTANCE, xrake 

M - 2.5 Rc «= 19,9 x 106 (c « 40.2 in.) 
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M 

FIGURE Al 

TOTAL DRAG AND SUCTION COEFFICIENTS VS CHORDWISE DISTANCE, x 

^6 M » 3.0 Rc - 19.0 x 10' (c « «0.2 In.) 
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FIGURE 42 

TOTAL DRAG AND SUCTION COEFFICIENTS VS CHORDWISE DISTANCE, x 

M » 3,0 R,. - 26.4 x 10' c (c « 40.2 In.) 
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FIGURE 43 

INCREASE IN TOTAL DRAG AND SUCTION COEFFICIENTS VS SHOCK INTENSITY 
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FIGURE 44 

SUCTION DISTRIBUTIONS AT DIFFERENT SHOCK INTENSITIES 

M « 3.0       RJJ » 26.4 x 106       x - 40.2 In, 
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FIGURE 45 

BOUNDARY UYER VELOCITY PROFILES AT DIFFERENT SHOCK INTENSITIES 

M - 3.0 Rx - 26.4 x 10
6 xrake - 40.2 In. 
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FIGURE 46 SKETCH OF SUCTION MODEL 
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FIGURE 48 

WAKE, SUCTION AND TOTAL DRAG COEFFICIENTS VS SUCTION QUANTITIES 
AT H» « 2.5 
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FIGURE 49 

MINIMUM TOTAL DRAG AND OPTI1ÄJM TOTAL SUCTION COEFFICIENTS VS 
LENGTH REYNOLDS NUMBER AT M« = 2.5 
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FIGURE 50 

WAKE, SUCTION AND TOTAL DRAG COEFFICIENTS VS SUCTION QUANTITIES 
AT M» » 3.0 
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FIGURE 51 

MINIMUM TOTAL DRAG AND OPTIMUM TOTAL SUCTION COEFFICIENTS VS 
LENGTH REYNOLDS NUMBER AT M» = 3.0 
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FIGURE 52 

WAKE, SUCTION AND TOTAL DRAG COEFFICIENTS VS SUCTION QUANTITIES 
AT H« * 3.5 
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FIGURE 53 

MINIMUM TOTAL DRAG AND OPTIMUM TOTAL SUCTION COEFFICIENTS VS 
LENGTH REYNOLDS NUMBER AT M. - 3.5 

-644- 



o/ ÖZ .03 Of .OS .04 .07 .06 .09 

■645- 



9 10 
/O     ^ 

FIGURE 55 

VARIATION OF MINIMUM TOTAL DRAG AND OPTIMUM SUCTION COEFFICIENTS WITH 
REYNOLDS NUMBER FOR H» » 2.5, 3.0, and 3.5 

-646- 

■ Him, , r„—,..^^--..-J. 



2*      .3 .4 
/ST4 *"/„ 

.5 .8    .9    V) 

FIGURE 56 

TRANSITION REYNOLDS NUMBER VS FREESTREAM UNIT REYNOLDS 
NUMBER AT M» - 2.5 
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FIGURE 57 

TRANSITION REYNOLDS NUMBER VS FREESTREAM UNIT REYNOLDS 
NUMBER AT M» ■ 3.0 

-648- 



K"/,*. 

FIGURE 58 

TRANSITION REYNOLDS NUMBER VS FREBSTREAM UNIT REYNOLDS 
NUMBER AT M» » 3.5 
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FIGURE 59 

OPTIMUM TOTAL SUCTION COEFFICIENT AND NATURAL TRANSITION REYNOLDS 
NUMBER VS REFERENCE LENGTH REYNOLDS NUMBER 

•650- 



2.S 

2.0 

IS 

/o*C„ 

1.0 

as 

~1 

//I 
^y 

/     /         1 
1   /            \ 

J ,<. S 
^Z' 

'^y^ 

\/> 
k1 

AJ» 

// \ W0 
1 // \      \     '    i* 

f \ -3^ 

1 
/» ff 

Xr ~ t*CHE3 

// 

FIGURE 60 

OPTIMUM TOTAL SUCTION COEFFICIENT VS LOCATION OF 
TRANSITION WITHOUT SUCTION 
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FIGURE 61 

RAKE TOTAL HEAD AND CORRESPONDING »ACH NUMBER DISTRIBUTION 
PERPENDICULAR TO MODEL SURFACE AT RAKE LOCATION» 

STATION 18.81, for H» - 2.5, RL » 15.8 x ID
6 
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FIGURE 62 

EFFECT OF THE SHOCK WAVE FROM THE LAST SLOT (STATION 18.50)  ON 
THE LOCAL POTENTIAL FLOW HELD, H» - 2.5,  RL - 15.8 x 10° 
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FIGURE 63 

EFFECT OF THE SHOCK WAVE FROM TIE LAST SLOT (STATION 18.50)  ON 
THE LOCAL POTENTIAL FLOW FIELD, ^ » 3.0, RL « 7.6 x 106 
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FIGURE 64 

EFFECT OF THE SHOCK WAVE FROH THE LAST SLOT (STATION 18.50) ON 
THE LOCAL POTENTIAL FLOW FIELD, H,, - 3.5, R.   « 5,8 x 1C& 
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FIGURE 65 

EXPERIMENTAL SURFACE PRESSURE AND SUCTION DISTRIBUTION 
14» » 2.5, RL - 13.24 x 10^ 
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FIGURE 66 

EXPERIMENTAL SURFACE PRESSURE AND SUCTION DISTRIBUTION 
H» = 3.0, RL = 11.32 x 106 
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FIGURE 67 

EXPERIMENTAL SURFACE PRESSURE AND SUCTION DISTRIBUTION 
M» - 3.5, RL ■ 4.85 x ID6 

-658- 

MttAMttaäMd^ 



Re ü! e 

N i 

\ 

fir Vi 

\i 
\   **» 

\ 8 11 

\ \ 

\ \ 

\ 

\ \ 

\ \ i\ 
\ 1 

i 

\ 
1 ̂

 

1 

\: 
\ 

i 

K                     f< 

i 

IN.            N                      >     N*.           C > 
  V 

n N 

^A 
N 

FIGURE 68 

THEORETICAL VARIATION OF THE REYNOLDS NUMBER BASED 
ON MOMENTUM THICKNESS ALONG THE MODEL AXIS 
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FIGURE 69 

THEORETICAL AND EXPERIMENTAL BOUNDARY LAYER VELOCITY 
PROFILES AT THE RAKE LOCATION 
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FIGURE 70a 

THEORETICAL WALL TEMPERATURES AMD TEMPERATURE 
RECOVERY FACTORS ALONG BODY AXIS 
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FIGURE 70b 

THEORETICAL WALL TEMPERATURES AND TEMPERATURE 
RECOVERY FACTORS ALONG BODY AXIS 
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FIGURE 70c 

THEORETICAL WALL TEMPERATURES AND TEMPERATURE 
RECOVERY FACTORS ALONG BODY AXIS 
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FIGURE  71 

ROUGHNESS REYNOLDS NUMBER,   Rh,   AND MACH NUMBER  AT HEIGHT 
OF ROUGHNESS PARTICLE,  Mh,  VS HEIGHT h AT M^  =  2.5 

AND SEVERAL CHORDWISE  STATIONS 
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Reflection of 
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FIGURE 74 

SHOCK LINES AND SUCTION AREA ON 36° SWEPT WING MODEL 
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FIGURE 75 

SWEPT WING COORDINATES AND VELOCITY COMPONENTS 
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FIGURE 76 
WAKE SUCTION AND TOTAL DRAG COEFFICIENTS VS TOTAL SUCTION COEFFICIENT 

M = 2.5 lrake = 37.3 
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FIGURE 77 
WAKE. SUCTION AND TOTAL DRÄ COEFFICIENTS VS TOTAL SUCTION COEFFICIENT 

M = 2.5 Xrake = 32*8 in' 
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FIGURE 78 
WAKE, SUCTION AND TOTAL DRAG COEFFICIENTS VS TOTAL SUCTION COEFFICIENTS 

M - 2.5       Xrake = 27.7 In. 
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FIGURE 7Sb 

WAKE, SUCTION AND TOTAL DRAG COEFFICIENTS VS TOTAL SUCTION COEFFICIENTS 

M = 3.0 X ,  = 37.8 in. 
rake 
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FIGURE 79b 

WAKE, SUCTION AND TOTHL DixAG COEFFICIENTS VS TOTAL SUCTION COEFFICIENTS 

M = 3.0 xrake = 37.8 in. 
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FIGURE 80 

WAKE,  SUCTION AND TOTAL DRAG COEFFICIENTS VS TOTAL SUCTION COEFFICIENT 

M » 3.0 Xrake =  27.7 and 32.8 in. 
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FIGURE 81 

WAKE, SUCTION AND TOTAL DRAG COEFFICIENTS VS TOTAL SUCTION COEFFICIENTS 

M » 3.5 X ,  ■ 37.8 In. 
rake 
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FIGURE 82 

WAKE, SUCTION, AND TOTAL DRAG COEFFICIENTS VS TOTAL SUCTION COEFFICIENT 

M » 3.5     Xrake = 32.8 and 27.7 In. 
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FIGURE 83 

MINIMUM TOTAL  DRAG AND OPTIMUM TOTAL SUCTION COEFFICIENTS 
VC  LENGTH  REYNOLDS NUMBERS 

M =  2.5 
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FIGURK 84 

MINIMUM TOTAL DRAG AND OirTlMUM TOTAL SUCTION CO fFlClZNTS 
VS LENGTH REYNOl :i3 NUMSEK 

M -  3.. 
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FIGURE 85 

TOTAL MINIMUM DRAG AND OPTIMUM SUCTION COEFFICIENTS 
VS UNGTH REYNOLDS NUMBER       "-^NTS 

M = 3.5 
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FIGURE 86b 

THEORETICAL AND EXPERIMENTAL DRAG COEFFICIENTS AND CROSSFLOW REYNOLDS NO, 
M « 2.5, cut    Rc = 1.222, Rc = Il.l x ID6 

-681- 

itm&a&mM&kmaiimmiMmmmm*Sllltllmm*utmmmmm 



300 

o»i 

260 

220 

180 

o 

4 

flagg«! symbolst 

solid symbols! 

[7 

[7 
r 

-V- 
▼ 

CWg 

.8 x/c 
.9 

«0.1 

o 

io4cDt 

O 

lO^CDs 
 Cf io4cwt 

1.0 

FIGURE 86c 

THEORETICAL AND EXPERIMENTAL DRAG COEFFICIENTS, AND CROSSFLOW 

REYNOLDS NUMBERS M = 2.5, C  ^Rc - 1.222, R - 16.6 x 10 
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THEORETICAL AND EXPERIMENTAL DRAG COEFFICIENTS. AND CRQSSFLOW RE 

M = 2.5, Cwt ^c = 1.222, Rc = 19.8 x Io6 
REYNOLDS NO. 
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FIGURE 87b 
THEORETICAL AND EXPERIMENTAL DRAG COEFFICIENTS AND CROSSFLOW REYNOLDS NO. 

M = 2.5, CWt /Rc = 2.013, Rc = 13.5 x 10^ 
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FIGURE 87c 

THEORETICAL AND EXPERIMENTAL DRAG COEFFICIENTS, AND CROSSFLOW REYNOLDS NUMBERS 
M = 2.5, CWt /Rc = 2.013, Rc = 21.0 x 10^ 
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FIGURE 88b 

THEORETICAL AND EXPERIMENTAL DRAG COEFFICIENTS, AND CROSSFLOW REYNOLDS NUMBERS 
M = 3.0, Cw /Rc = 1.840, Rc = 13.0 x 10
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FIGURE 89b 

THEORETICAL AND EXPERIMENTAL DRAG COEFFICIENTS, AND CROSSFLOW 

REYNOLDS NUMBERS M = 3.0, C^ %  = 1.982, Rc = 25.5 x I0
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FIGURE 90b 

THEORETICAL AND EXPERIMENTAL DRAG COEFFICIENTS, AND CROSSFLOW 

REYNOLDS NUMBERS M = 3.5, C^ ^c = 1.698, Rc = 20.2 x 10 
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FIGURE 91 
THEORETICAL AND EXPERIMENTAL BOUNDARY LAYER VELOCITY PROFILES 

M = 3.0      Rc = 25.5 x 106 
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£ Tunnel Insert Wedge to Adjust 
Angle of Attack 

Pressure Pick-up Tubes 

PIOntE  93  SKETCH OF MODEL MOUNTIHG 
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VARUT10N OF DRAG COMPONENTS WITH SUCTION COEFFICIENT 
^ -1.99. Rc -- 7,3 x ID6, a = 0.13° 

FIGURE 134a 
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SECTION III 

STRUCTURAL INVESTIGATIONS 



CHAPTER A.  STRUCTURAL ASPECTS OF LOW DRAG SUCTION AIRFOILS 

J. Wieder 
W, Pfenninger 

(A) Abstract 

A description of the structure of low drag suction wings is 
presented, keyed to a generalized high subsonic wet wing. The results of 
component load tests, corrosion effects, surface irregularities, concentra- 
tion factors, and the effects on strength and rigidity are discussed. 

(B) Introduction 

Extensive laminar flow on the surfaces of an airplane by means 
of boundary layer suction will increase its range and endurance. The airplane 
range depends on the airplane lift to drag ratio, the specific fuel consumption 
of the propulsion system and the airplane weight ratio between beginning and end 
of the flight, which in turn is influenced by the airplane structural weight. 

With the reduction in friction drag by meant, of boundary layer 
suction, the induced drag becomes increasingly important.  In order to achieve 
the full advantage from the application of boundary layer suction, it is desira- 
ble to reduce the induced drag at the same time as the friction drag by increas- 
ing the wing span. With the large wing spans of an optimized laminar suction 
airplane, the structural designer is thus immediately faced with the problem of 
designing these large suction wings with minimum structural weight within the 
requirements of strength and stiffness, with the suction air ducting system 
installed, and with the close surface tolerances required for extensive laminar 
flow.  In order to minimize the wing structural weight, the inertial weights 
should be distributed over the wing span, the walls of the suction air ducts 
should preferably be combined with the structural elements of the wing, such 
as wing skin, shear webs, longitudinal stiffners, ribs, etc. Continuous suc- 
tion on the wings, being optimum aerodynamically, can be closely approached 
by removing the slowest boundary layer air particles close to the wing surface 
through a large number of fine slots. The resulting low flow velocities and 
small Reynolds numbers for the slot flow enable the use of relatively simple 
suction slots, which can be cut into a thin outer wing skin, which in turn is 
bonded to a continuous thicker inner skin. The suction air passes through the 
slots, spanwise grooves and holes, drilled into the inner skin underneath the 
slots, into the suction ducts and to the suction compressor. With the excep- 
tion of the holes in the inner skin, both wing skins are structurally efficient 
for wing bending strength and stiffness. 

(C) BLC Wing Components 

Two current wing skin versions (Figure 1 ) type A, the solid skin, 
representative of inboard loading indices, and type B, the honeycomb sandwich, 
of outboard loading indices and trailing edge surfaces, exemplify upper and 
lower high subsonic wing surfaces. The range of geometries indicated is deter- 
mined by the chordwise location of the slot. These are all bonded assemblies 
with drilled holes and the slotF cut by means of a track-mounted saw with a 
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(C) BLC Wing Components (Continued) 

rotating blade. The sheet with plenums in the honeycomb sandwich is chemically 
milled to the proportions shown. 

Previously reported static tension and shear tests of perforated 
sheets of an aluminum alloy with comparable hole diameter to row ratios 
(Reference 125) indicate no measurable loss of net area efficiency.  Built up 
panels tested in compression similarly developed net area deformations and 
buckling stresses. Groups of 4- by 20-inch simply supported panels, represen- 
tative of low loading indices and trailing edge upper skins, were compressed 
in the spanwise direction. Figure 2 shows the cross sections of .16-inch over- 
all depth, and their specific strengths.  Of the three types, the chemically 
milled core sandwich was unreliable due to the narrow bond ledges of the core; 
the corrugated core type is promising when the core is fabricated with precision 
dies, and the honeycomb sanwich is a current design choice. 

A series of 19 inch long 6061-T6 aluminum alloy tubes was tested 
in torsion (Figure 3 and Figure 4 ).  The encircled 3 and 5 on the relative 
rigidity and yield stress diagram designate spacings akin to those of BLC main 
wing box surfaces and indicate torsional rigidity losses of about 5 percent. 
The 25 percent decrease in sh.^ar yield stress is consistent for all configurations; 
in actual design, a replacement of local area removed will bring these values 
close to normal allowables.  In those specimens taken to failure, there was the 
expected elliptical shape of the holes with a 45° major axis; the failure pro- 
ceeded along the plenum chamber from the top of one ellipse to the bottom of 
the next following the least net section in a saw-tooth fashion.  Figure 5 
shows the twist at failure relationship among the slot locations with holes; 
the fail stress was 22,000 psl based on effective transverse shell thickness. 
Thus, the strength is a function of the least net area; the rigidity, in the 
elastic range, approximately of the net cross sectional area transverse to the 
axis, and the twist, in the plastic range, a non-linear function of the number 
of slots. 

In the region of the main structural box of the wings of lar^e 
long range or endurance airplanes, the integration of the internal suction 
air ducting system with the structural layout usually leads to an open double 
skin panel for the upper and lower wing surface.  The small suction velocities 
on straight as well as swept wings in the area of the main box 

"vo -4 * 
("TT" = 1 to 2 x 10  ) , with a chordwise slot spacing of approximately 2 percent 

uo 

of the wing chord, generally permit suctjon duct arrangements on the basis of 
structural optimization. Over a range of 8,000 to 20,000 lbs/inch of chord, 
optimized open sandwiches would give clear duct depths of 1 to 2.7 inch, which 
are sufficient for keeping duct losses minimal. 

The family of open sandwiches is limited to continuous corruga- 
tions or a variety of discrete element geometries and cover plates.  Corrugated 

*v0 = suction velocity for equivalent area suction (Fl'S) 

U0 = freestream velocity (Fi'S) 
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(C) BLC Wing Components (Continued) 

sandwiches would be a first choice from the standpoint of chordwise stiffness, 
and as a torsional shear transfer medium from the partial depth intermediate 
ribs. However, they have the following disadvantages:  (1) increased fabrica- 
tion difficulties of tapering corrugations in planform and elevation to main- 
tain structural efficiency along the span; (2) in some cases the variation of 
the suction velocities along the chord may lead to a chordwise variation of the 
depth and spacing of the suction ducts, and certain duct depths may exceed those 
for structurally optimum corrugation t.iickness. With the relatively many rib;» 
necessary in a wing with fuel, the use of extruded stiffeners with cover plates 
eliminates most of these objections and permits more flexibility in arrangement. 

A BLC compression skin assembly for a wet wing is shown in Figure 
6 . The solid upper cover becomes the honeycomb type at the lower loading 
indices; the "I" sections, or equivalent stringer types, are extruded and 
machined (with controllable warpage because of their two axis symmetry); the 
inside face of the skin assembly is a minimum gauge aluminum honeycomb panel. 
In a BLC airfoil this panel partially functions as a lifting surface and as a 
fuel liner; it further functions to prevent rolling of the "I" at high stress 
levels which might wave the skin locally. This type of main box eliminates 
mechanical fasteners in the upper and lower surfaces of the integral fuel tanks 
and minimizes leaks into the ducts. All elements are bonded to provide, with 
the non-wrinkling structural members, smooth suction ducts and to minimize pos- 
sible local depressions on the outer surface, as in the case of mechanical fas- 
teners. As some prying action occurs, it is important that suitable taper be 
given the flange legs to decrease peel tendencies; a 1:3 taper ratio is satis- 
factory for transferring about 100 in-lbs. of moment per square inch of bonded 
flange surface; the moment is in a plane perpendicular to the bonded flange 
surface.  With this arrangement, bending material and torsional material is 
kept primarily in the upper skin with a minimum in the lower skin; the neutral 
axis is for a large part of the span considerably above the geometric center of 
the open sandwich. All elements are non-buckling to yield.  A group of columns 
20 inches long and a 3 inch stringer pitch involving equivalent cross sections 
with riveted Z's and bonded 1-stringers gave a favorable specific strength 
ratio of 1.15 for the cross seccion of Figure 6. The instability shape of the 
latter was undistorted in cross aection and sinusoidal; some of the former 
failed in a twisting and explosive tearing of the Z-flange.  It is noted that 
the increasing thickness ratio of the inner skin to outer skin in the outboard 
half of the wing is a fall-safe aspect of this double skin configuration. 

In relation to the wing torsional stiffness, it may be pointed 
out that for the inboard third of the wing, 85 percent of the skin face 
material is in the outer face, and for the outboard two-thirds of the wing, 
it may vary from 85 to 65 percent. A series of torsional load applications 
for a straight rectangular box 100 inches long and with cross sectional dimen- 
sions shown, Figure  7, demonstrated that the "J" value is calculated as a 
three-cell box or as a single-cell system with the inner and outer skins assumed 
at the bending center of gravity of the skin system.  This may be conservative 
as the tests were run with no direct attachment of stringers to either the 
loading devices or reacting column. A possible 5 percent reduction in "J" 
over a comparable skin stringer arrangement is estimated.  It was further 
demonstrated that the skin system developed full rigidity regardless of the 
load applications being at inner and outer skins directly or at the inner skin 
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(C) BLC Wing Components (Continued) 

only. It is of significance that this or equivalent systems function in this 
manner, as a BLC wing would have a minimum of ribs attached to the outer 
skin since the consequent interruption of the suction airflow in the ducts 
should be minimized. This, in effect, means that the intermediate ribs, 
attached to the inside honeycomb sandwich only, transfer airload torsion to 
the box. The box failed in the web of the stringers, at an applied shear 
of 2800 lb/in. on the inside surfaces (Reference 126). 

In the rear part of the wing in the region of the rear pressure 
rise, considerably higher suction velocities are required to maintain full 
chord laminar flow, (-v /U « 5 to 8 x 10*^), as compared with the suction 
rates in the region of the main structural box. As a result, in order to 
avoid excessive pressure losses in the suction ducts, the full wing thickness 
has to be used for the air flow in this part of the wing. In order to mini« 
mize the duct losses in critical areas, it may become necessary tc deflect 
the incoming suction air into the direction of the duct flow by means of 
turning vanes or turning nozzles. The suction air, after passing through the 
skin, would first be ducted in a spanwise direction through small auxiliary 
spanwise ducts, formed for example, by closed longitudinal stiffeners or by 
spanwise corrugations in the outer skin, into turning nozzles and into the 
main suction ducts. In this manner secondary flow pressure losses in the 
suction ducts are drastically reduced (References 127 and 128). 

One version of the wing trailing edge design is a Warren truss 
type structure with continuous spanwise honeycomb webs forming smooth full 
depth duct walls (Figure 8). The eccentric web attachment facilitates 
assembly; the straight web face is thicker than its opposite. Stress coat- 
ing showed that a compression web of this type carried its load through the 
thicker skin acting on an elastic medium. A 9- by 50-inch simple beam of 
"T" flanges and eccentric sandwich web failed at 90 percent of calculated 
with a deep buckle at the center; there were no local separations due to 
the offset of load. Similarly, a two-cell box beam with .25-inch-thlck 
sculptured compression skins loaded in shear and bending failed in a full 
panel buckle of the eccentric sandwich web (.016-Inch faces, .156 inch 
thick, 4.5 pound honeycomb) at 95 percent ultimate. The all sandwich trail- 
ing edge is non-wrinkling; a 24-inch chord deforms about .12 inch at the 
trailing edge at limit load or a nominal deflection at cruise. Another 
version of the non-buckling trailing edge consists of chordwise machined 
truss-like ribs and vertical spanwise sandwich webs, with the rib members 
s .reamllned to maintain small suction air duct losses. 

With the suction ducts Installed in the wing, one might super- 
ficially conclude that a laminar suction wing cannot carry as much fuel as 
a turbulent non-suction wing. However, since wing span and area of an opti- 
mized low drag suction airplane are considerably larger than for an opti- 
mized turbulent airplane, the wing volume remaining for fuel is generally 
considerably larger for the optimized low drag suction airplane, as com- 
pared with the corresponding turbulent airplane. 
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(D) Surface Limits 

Surface irregularities cause velocity fluctuations In the laminar 
boundary layer leading to transitions. Allowable limits to roughness, steps, 
gaps and waviness have been established through wind tunnel models and in flight 
tests. Figures 9 and 10 show these allowable and current production standards. 
It is observed that high subsonic transports cruising at 30,000 feet and above 
fall within the surface tolerance limits with the exception of surface steps. 
This area requires special attention and the submerged splice is a possible 
solution to this problem. As the down step is more critical, design and manu- 
facturing tolerances should accumulate as positive or up steps. The waviness 
allowables, in terms of a sinusoidal shape in the chordwise direction are 
shown in Figure Id The requirements depicted here are for the one g cruise 
condition. The limits of contemporary products presently meet a fair propor- 
tion of these requirements. 

Waviness and slot deformations were frequently checked in the 
course of axial load 4- by 20-inch specimen testing at one g and two g load 
levels and found to be within acceptable limits.  In the aforementioned tor- 
sion box test, the 0.006-inch slots were checked along the span with feeler 
gauges for all loading conditions to over 3° of box twist; no measurable 
variation was obtained.  The waviness was within 0.001-inch per inch. A 
leading edge segment 14 inches of cantilever by 2 feet wide, representative 
of a BLC 6 percent wing and weighing 4 lb/ft , was tested under simulated 
air load. The maximum tip deformation was .05 inch at 1.25 g and the load 
induced waviness was .0005 in/in. 

Akin to the surface irregularity problem Is the surface corrosion 
problem. An initial effort to evaluate environmental effects was the exposure 
of 3- by 12-inch solid and honeycomb skin panels to an industrial climate and 
an ocean and a Jungle site. Suction efficiencies subsequent to exposure were 
checked with and without steam cleaning of surfaces. Results are shown In 
Figure 11. 

Successful anodic treatment of exposed edges and holes on bonded 
assemblies with no loss of bond strength has been gained. (References 129 and 

130). 

(E) Stress Concentration Factors 

In common with most design efforts, we seek to encompass aspects 
of the safe-life and the fail-safe approach to fatigue problems.  One trend of 
long range or endurance BLC operation which may relax somewhat the criteria of 
the first is suggested by Figure 12. For an assumed life a BLC long range 
aircraft type, with an efficient laminar wing and tail, and a turbulent fuselage, 
cruising at over 40,000 feet has a potentially more favorable cumulative damage 
history than equivalent turbulent aircraft by about 43 percent in the lower wing 
surface root area and about 55 percent in the midspan area. These estimates are 
based on an optimum aircraft usage involving 40 percent fewer ascents and 
descents, and crusing encounters with 5 to 10 ft/s gusts at one-fourth normal 
frequency. 

Significant design questions are concerned with the concentration 
factors of holes, plenum chambers and slots. Of these discontinuities. 
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(E) Stress Concentration Factors (Continued) 

the holes are Influential In all directions and their small size precludes 
shaping for possible stress neutralization, or effective symmetrical local 
reinforcing. Some cycling gains were noted In minimum tests of pre-stressed 
hole rims. However, the depth of the pre-stresslng effect Involves areas 
around the hole which are In multi-axial stress fields where yield Increases 
In one direction may be offset by decreases in another, according to the 
Bauschlnger effect. Although 75ST has been used for BLC specimens, fabrica- 
tion and tests, it Is believed only representative of the aluminum spectrum; 
for example, 7178 or the more notch accommodating 2024 could be used. To the 
Increasing evidence of reversed high stress levels, is added some evidence of 
a possible 35 percent gain in nominal fatigue strength over 75ST for sheet 
with holes such as are encountered in BLC skins (Reference I3l). In a single 
Instance of investigation of a row of .04-inch holes in a contour, this per- 
centage was not borne out. However, the use of 2024 for lower main box skins 
is a design consideration. 

The development of maximum tangential stresses in the elastic 
range of intermediate holes in typical BLC patterns is based on photoelastic 
results and summarized in Figure 13 (Reference 132). A simple superposition 
of the tangential stresses at the rim of the hole due to the applied multi- 
axial stresses results in critical planes at 90° and 135°, to the direction 
of applied tension or shear. Where the shear stress to spanwlse tension 
stress ratio exceeds 2, the shear effect dominates; below 2, the tension 
effect dominates, with combined load K^'s between 2.75 and 3.5. 

The plenum chamber with its full depth radii has notch effects 
due to loadings in planes transverse to its axis. The effect of tension 
stress at the base of the fillet for a representative width to depth plenum 
in a solid skin is shown in Figure 14. For the heavy skins with little 
Induced bending, the ratio Omax/Cgross » 3.0; for .1-inch-thlck skins 
cimax/ogross is in the vicinity of 3.9. The problem of the thinner skins with 
increasing eccentricity is circumscribed by the use of the honeycomb sandwich. 
Results of chordwise tens ion-tens ion tests of the honeycomb sandwich type 
showed the significance of controlling flexibility in the notched sheet. On 
Figure 15 the dashed S-N curve is a run with the base of the plenum not bonded 
to the honeycomb and the honeycomb sandwich curve with the base bonded; the 
life Increase is almost 10:1. 

If the row of holes Is assumed dominant, a RTnet spanwlse ■ 2.65 

and chordwise * 2.40, Assuming Kf « 1 + _JE_lL__- and a « .02 Inch, a 
1 + a/r* 

material constant for 75ST sheet, then Kf at the fatigue limit ■ 1,82 and 1.70, 
respectively. The value from the S-N diagram of the spanwlse and chordwise 
honeycomb sandwich at fatigue limit is approximately KfNET » 1.85, indicating 

the prime effect of the holes. 

*r ■ radius of hole, in. 
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(E) Stress Concentration Factors (Continued) 1   I 
1 

Similarly, the solid skin, spanwise, is Kf^g? » 1.85 but, ^ 
chordwise, is K^gf «* 2.5 where the plenum eccentricity dominates. 

(Figure 16 ,) 

There are seemingly more favorable basic shapes for the plenum 
chamber itself than the one shown; for example, an arc of a circle, "U" type, • 
or elliptical notches. In most of these the presence of the hole in the cri- -^ 
tical base area of the notch is an additive concentration factor. In the 
concept shown, the concentrations are adequately separated, at least on the 
generally verified basis of the very local deterioration of the maximum stress 
of steep stress gradients. As a result of these investigations, it is believed 
that with a Judicious replacement of material removed from BLC skins, the design        « 
ftp and gross stress of comparable riveted airfoils may be used in the design 
appraoch. 

It has been noted that wing span is a significant parameter in 
BLC airplane performance. A traditional method of obtaining additional span 
within the range of dontemporary cantilever deformations is with external ""^ 
bracing. If either a straight or swept wing is braced at one-third of its 
semi-span with a Jury strut system, a potential 15 percent incrase in span 
results in a 12 to 15 percent increase in range (Reference 121). The brace 
system is composed of laminarised airfoil shapes and designed by reverse 
loads. 
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CHAPTER B.  SKIN DUCTING SYSTEM CONFIGURSTIONS FOR LFC AIRCRAFT MAIN 
STRUCTURAL BOX 

Robert N. Worth 

(A) Notation 

A        area, sq. Inches 

Es       Young's modulus for face material, psi 

Gc       shear modulus of core material, psi 

D        flexural stiffness of isotropic sandwich plate, 
in./lb 

_/ Vsh2 ) 
\2(l - u 2)/ 

DQ       transverse shear stiffness of isotropic sandwich 
plate, lb/in. 

Nx       middle surface compressive force, lb/in. 

b stringer spacing, inches 

c core depth, inches 

h depth of sandwich plate measured between middle 
surfaces of faces, inches 

t, thickness of the core faces, inches 

^all allowable stress level in the faces, psi 

f Poisson's ratio for face material 
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(B) Introduction 

The basic objective of a wing skin system configuration for 
a BLC aircraft Is two-fold. It must provide the strength required to sup- 
port the binding and torsional loads in an efficient manner. It must also 
provide an efficient ducting system to allow the passage of the suction air 
from the wing surface to the compressor system. 

Since the ducting system is extensive throughout the wing it 
must be combined with the skin system in an Integral manner to provide for 
an efficient load carrying structure of minimum weight. A double skin con- 
figuration is an efficient structure compatible to both basic requirements. 
This configuration consists of a basic structural outer skin supported on 
multiple stringers. An inner skin below the stringers irnarts stability to 
the stringer flanges and also provides a lower wall to complete, the ducting 
passage. Air is drawn through a slotted surface skin, and then through plenum 
chambers and metering holes in the outer skin into the main ducting system. 
It then passes spanwise along the wing between the inner and outer skins to 
tha compressor system.  The entire skin-duct system is load-carrying. The 
weight penalty inherent in having the inner skin material closer to the 
neutral axis of the wing rather than at the mold-line is partially offset 
by the stability it imparts to the stringers. 

A bonded skin system with extensive use of honeycomb sandwich 
material was chosen for several reasons. Of primary importance is the smooth 
outer surface obtained with a minimum of rivet and bolt heads protruding as 
a potential source of roughness. The leakage problem both from the external 
surface and from the integral fuel tank area into the ducting passages is 
kept to a minimum. In areas where the strength requirements are low, the 
use of honeycomb sandwich construction allows the use of thinnev minimum 
gauges with a resulting weight saving while maintaining a wrinkle free sur- 
face. The use of a honeycomb sandwich construction where feasible allows a 
maximum variation in stringer spacing with little variation in wing weight 
enabling the designers to remain close to optimum configuration at all .span- 
wise positions along the wing while remaining compatible with the ducting 
requirements. 

(C) Detail Design 

Design weight charts have been compiled for the configuration 
shown in Figure 17. The stringers depth and spacing is dictated by the suc- 
tion air ducting requirements. Since the air is introduced into the ducts 
from spanwise slots along element lines on the wing, the stringers must also 
lie along element lines. The spacing therefore increases in relationship to 
the wing taper ratio as the stringers run inboard from the tip. At various 
stations along the wing more stringers are added to retain a spacing com- 
patible with strength and ducting requirements. 
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lv) Detail Design (Continued) 

The outer skin in the areas where the loading index (lb/in. 
of %:ng chyrd) is less than 19,000 lb/in, is of honeycomb sandwich construc- 
tion. Waile for loading Indices over 7,000 lb/in. an optimum corrugated core 
construction shows up to an 11 percent weight saving over the honeycomb con- 
struction it is much more demanding of a specific stringer spacing to maintain 
this advantage. Since the honeycomb is exceedingly lenient toward variations 
in stringer spacing and is also easier to manufacture, this type of construc- 
tion is used. In the inboard portion of the wing where the loading indices 
are over 19,000 lb/in. a solid outer skin is used. 

The inner skin is of minimum gauge honeycomb construction in 
all cases, providing a stable panel of minimum structural material. This 
allows the majority of the structural material to be close to the mold-line 
of the wing for greater efficiency. Figure 18 shows the weight of the skin- 
system substructure versus the stringer spacing. It is noted that the weight 
of the inner skins, the slotted skin, and their adhesive systems, plus the 
adhesive system for the outer skin is constant at .00. 3 Ib/sq. in. of surface 
area independent of the stringer spacing. 

This is based on an interpretation of the work presented in 
ReferenceI24giving two formulae (see Appendix A): 

\1 

2(1 - Jif7)  Gc 

call 

il/2 

2(1 - Uf ) 

(1) 

or 

lall = n 
b 
h 

1 - ^ 

2(1 - Uf ) bh i 

(2) 

the radius of curvature which Is neglected in these formulae is of relative 
unimportance for wings whose thickness ratio is less than 20 percent where 
stringer spaclngs are compatible with low drag BLC requirements. 

For the range of skin thicknesses (up to tr = .125 inch) and 

stringer spaclngs (5.00 to 20.00 inches) of Interest for LFC skin design, 
3 

and if a minimum core weight of 4.5 lb/ft Is specified the formulae 
simplify to: 

K- b 

1/2 
(3) 

call 
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(C) Detail Design (Continued) 

or 

fall =  ^-j- Es C-^-)2 (4> 
I - ^f      b 

for a close approximation. 

In the calculation and plots a design ultimate stress level of 
65,000 psi was used so equation (3) becomes: 

c = h - t = .024 b  (depth of core) (5) 

The depth and therefore the weight of the honeycomb core increases directly 
as the stringer spacing increases. However, the ircrease in inner and outer 
skin core weight as the stringer spacing varies from 10 to 20 inches amounts 

to only 0.16 lb/ft of surface illustrating the leniency of the honeycomb 
structure toward the dropping out or addition of stringers without an abrupt 
change in core depth. 

2 
The stringer unit weight (lb/in. of surface) decreases rapidly 

as the spacing increases towards 10 inches and then decreases more slowly with 
further increase in spacing. In this region the stringer unit weight decrease 
is approximately balanced by the increase in core weight resulting in a rela- 
tively constant skin substructure weight. 

The total substructure unit weight of the honeycomb configura- 
tion is given for stringer depths of from 1.00 inch to 2.50 inches. For 
comparison the substructure weight of a corrugated core configuration is given 
for a 2.00 inch stringer depth (see Appendix B). 

It is noted that where the loading indices get quite low the 
double skin construction required for the low drag BLC aircraft is relatively 
inefficient. The minimum gauge skins and stringers provide mere area than is 
needed for the load applied. This situation occurs in the outboard 5 percent 
to 10 percent of the semi-span so the overall penalty is small. However, in 
this area the ducting requirements are small so that it may be possible to 
replace the inner skin and stringers with individual ducts if desirable. 
Figure 19 shows the load carrying capabilities of the skin substructure versus 
stringer spacing. 

Figure 20 is a design weight chart for honeycomb sandwich con- 
struction of the skin duct configuration. Curves are shown of weight of skin 
surface versus skin loading index for stringer spacings of 5.00 to 20.00 
inches. Cross plotted are the facing thicknesses required for loading indices 
at various stringer spacings. Varying the stringer height required for the 
ducting moves these cross plots along the stringer spacing curve reflecting 
the replacement of stringer area with skin area. Curves for the weight of 
an optimum corrugated core sandwich skin-duct system and a theoretical plate 
are plotted for comparison. The displacement of the honeycomb curves from 
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(C) Detail Design (Continued) 

the theoretical plate reflects the weight of the non.structural items of 
core and adhesive. The difference in displacement of the corrugated core 
curve results from the use of a structural core In the outer skin. 

In a design for an actual wing the taper ratio dictates the 
variaticn in stringer spacing along the span of a panel since in a low drag 
BLC wing the stringers should follow element lines. In general the loading 
index has a small slope in the inboard portion of the wing and drops off 
rapidly in the outboard third of the wing and is relatively compatible with 
the stringer spacing variation* 

The use of the curves Is shown in Figure 2k The loading 
index is approximated as a straight line variation over the length of the 
panel. The maximum stringer spacing (b,,,^) compatible with the ducting 

requirements is determined at the Inboard end of the panel. The resulting 
stringer spacing at the outboard end of the panel is matched to the loading 
index and the line between these points gives the facing thickness taper 
and the skin system weight at any point along the panel. The core thickness 
is a direct function of the stringer spacing. The loading index allowable 
along the panel will be the chosen straight line function between the two 
end points and can be compared directly to the actual loading index along 
the span to determine safety margins. 

In some areas of the wing the maximum stringer spacing (binax) 

allowed due to the ducting requirements may result in a stringer spacing at 
the outboard end of the panel which'is much too small. In this case stringers 
are dropped out along the span of the panel to Increase the stringer spacing. 
Since it is desirable to eliminate sudden steps in the facing thickness and 
core thickness a maximum weight line is added to the design curves as shown 
in Figure 22. This line was constructed by doubling the number of stringers 
without changing the skin sandwich design. Its position is relatively con- 
stant whether the basic stringer spacing is 5, 10, 15, or 20 Inches. 

In using this chart the loading index is again approximated 
as a straight line variation over the length of the panel. The stringer 
spacing (bg^g) determined by the ducting requirements at the Inboard end of 

the panel locates point B. Line A-A is located at the loading index where 

b >  '"x  and the intersection of this line with the maximum weight line 

gives point C. Line B-C now gives the skin system weight for this portion 
of the panel. The use of a constant core depth determined by the maximum 
stringer spacing allows the deletion of every other stringer increasing b 
to bjjmjj again. This locates point D and the process is repeated to the end 

of the panel. 
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(C) Detail Design (Continued) 

The facing skin thickness is determined by the binax line 
giving a straight taper along the panel. The allowable loading index is 
determined from the actual stringer spacing and the facing thickness giving 
a stepped line along the panel for comparison to the actual loading index. 

(D) Appendix A — Extension of NACA TN 2601 for Flat Curvature 
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(D) Appendix A — Extension of NACA TN 2601 for Flat Curvatures 
{Continued) 

for this equation gives: 

b      ^   Es ',2 

2(1 - M.s
2) Gc b 

n    Es ^2 Es   ^ 

d-^s2) «all 

(E) Appendix 6 — Design 

2 (1 - ^2) 

Weight Charts 

Gc   b 

BLC Skin Configuration 

The stringer depth is determined by the suction air flow ducting 
area requirements and a value of 2.00 was chosen as a design criteria. The 
I-strlngers flanges are designed for bonding to the Inner and outer skins. 

Stringer Configuration 

ACAP .098 sq. In. 

^JEB 
.162 sq. In. 

AST .260 sq. In. 
h « 1.0; 1.5} 2.5 

b/t 20 
« .130; .183} .363 

fall 65,000 psl 

wST .026 lb/In. « .026 
b 

Ib/sq. In. 

Inclu ding bond WST « •0265 • lb/ sq. In. surf. 

Inner Skin : Same for all configuration designs 

.008 skins. WSKi ■ .0016 Ib/sq. in. 

3.1 Ib/cu. ft. core C ■ .029 b   VI ... ■ ,000,05 b Ib/sq. in. surf, 
core ^ 

Adhesive Wt ■ .001 Ib/sq. in. surf. 

WT1 ■ .0026 + .000,05 b Ib/sq. in. surf. 
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(E) Appendix B — Design Weight Charts BLC Skin Configuration (Continued) 

Outer Skin - Slotted: 

.010 Skin  W = ,001 Ib/sq. in. 

Adhesive   W = .00035 Ib/sq. in. 

Wm » .00135 Ib/sq. in. 
T 

Upper Skin - 

Psk Z t = 
s   65,000 

Core ~ 4.5 Ib/cu. ft.  W= .0026 C Ib/sq. in. 

C » .024 b 

Wc = .000,063 b Ib/sq. in. surf. 

Adhesive W = .001 Ib/sq. in. 

WSUB„  '0265 + .00495 + .000,113 b Ib/sq. in. surf. 
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CHAPTER C.  EFFECT OF WEATHERING ON TYPICAL BONDED BOUNDARY LAYER CONTROL 
STRUCTURE 

R. N. Worth 

(A) Acknowledgements 

The bonding and weathering of all the specimens and the testing 
of the strength specimens were done by W. L. Hill of the Materials Research 
Laboratory. The flow rate measurements were conducted by K. H. Rogers of the 
Boundary Layer Research group. 

(B) Summary 

The w thering tests on boundary layer control panels conducted 
during this program indicated that suction flow rates can be held to within 
2.5 percent of the design values with present methods for washing and steam 
cleaning of aircraft. Results from salt spray exposure tests indicated the 
desirability of providing protection for the slots and holes by either an 
anodizing or an Iriditing process. Ground operation or storage of BLC aircraft 
without special protection seems feasible. Results of the ninety-day industrial 
exposure and the sixty-day tropical exposure tests indicate that vacuum cleaning 
from the slot side only can restore the flow rate to within 5 percent of the 
original value while steam cleaning at 100 psi from the slot side only can 
restore the flow rate to within 1.3 percent of the original values. 

The results of the metal to metal strength tests to determine 
adhesive strength characteristics showed no deterioration of the bond during 
the weathering exposures. The results of the honeycomb peel and tensile tests 
Indicated that the adhesive was attacked somewhat by humidity weathering con- 
ditions. However, all strength values were adequate for future LFC work. 

(C) Introduction 

The object of these tests was: 

(1) to determine the effects of various climatic conditions 
on typical boundary layer control skin configurations with respect to the 
operational characteristics and maintenance requirements of the suction 
system, and 

(2) to evaluate the strength characteristics of the adhesives, 
used to bond the test panels, after exposure to the various climatic conditions 
of the test program. 

One of the primary questions concerning the operational capa- 
bilities of any boundary layer control equipped aircraft is whether the suc- 
tion system can be kept within the limits of efficient operation while the 
aircraft Is operated throughout the normal range of climatic environments. 
The most vulnerable portions of the suction system, with regard to weathering, 
are the slots and holes provided through the skin for control of the boundary 
layer. 
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(C) Introduction (Continued) 

The panels tested in this program represent typical boundary 
layer control skin configurations. Various combinations of materials and 
surface treatments were subjected to several environmental conditions in the 
field, as well as to simulated conditions in the laboratory, to provide a 
background for making recommendations on design, operation, and maintenance 
of LFC aircraft. 

(D) Materials and Equipment 

(1) Materials 

(a) Metal Details 

7075-T6 Ale lad sheet aluminum 
2024-T4 Ale lad sheet aluminum 
6061-T6 None lad sheet aluminum 

(b) Honeycomb Details 

1/8-inch cell 3003-.001 non-perforated core 
1/4-inch cell 3003-.O03 non-perforated core 

(c) Adhesives 

AF-13 Minnesota Mining and Manufacturing Company 
AF-203 Minnesota Mining and Manufacturing Company 
L-1372 Specialty Resin Company 

(2) Test Equipment 

(a) Climbing Drum Peel Jig, per WADC TR-56-386 
(b) Instron Physical Test Machine 
(c) Humidity Chamber 
(d) Salt Spray Chamber 

(E) Procedure 

(1) Preparation of Specimens 

The following two adhesives were used in this program: 

(a) AF-13  for metal to metal bonds; 
(b) AF-203 for metal to honeycomb bonds. 

All metal to metal bonds and metal to honeycomb bonds were cured 
in an autoclave under 32 psl air pressure plus 3 psi vacuum. The temperature 
was recorded by thermocouples attached to the parts during bonding. The follow- 
ing cure cycles were used. 
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(E) Procedure (Continued) 

(a) Metal to Metal Bonds 

I. The temperature was raised from ambient to 
320oF In a minimum time of 45 minutes. 

II. The temperature was held at 325 ±50F for a 
minimum time of 60 minutes. 

III. The parts were cooled to 1500F before the 
pressure was removed. 

(b) Honeycomb Bonds 

I. The temperature was raised from ambient to 
3300F In a minimum time of 65 minutes. 

II. The temperature was held at 335 ±50F for a 
minimum time of 60 minutes. 

ill. The parts were cooled to 150oF before the 
pressure was removed. 

Metal details which were anodlzed were processed in accordance 
with Process Bulletin F.P.-3G, using the Type I chromic acid treatment. All 
anodlzed metal details were vapor degreased prior to being primed. 

The details for metal to metal bonding of Noralr Drawing 4209646 
panels (Figure 26) were made of 7075-T6 alclad, 2024-T4 alclad and 6061-T6 
nonclad aluminum sheet and were surface-treated as follows prior to the appli- 
cation of a thin coat of E.G. 1459 primer to the faying surface. The primed 
surfaces were air dried for 60 minutes and oven dried for 30 minutes at 160oF. 

(a) All the 6061 skins were anodlzed. 

(b) The 0.188-inch thick 7075 skins were anodlzed after 
the plenum chambers were milled and the holes drilled. 

(c) All the 2024 and the 7075 skins were vapor degreased, 
etched in a dichromate solution for 10 minutes, and 
oven dried at 150oF. 

The details for metal to metal single lap shear specimens and 
metal to metal peel specimens were made of the three types of aluminum stock 
listed in Table II and were surface-treated as follows prior to the applica- 
tion of a thin coat of E.C. 1459 primer (see paragraph above). 

(a) All the 6061 skins were anodlzed. 
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(E) Procedure (Continued) 

| (b) All of the (a) skins in Table III were anodized. 

(c) All of the (b) skins in Table III with the excep- 
tion of the 6061 skins, were treated as in paragraph 
(c) above. 

| The metal details of Drawing 4209647 (Figure 26 ) were 7075-T6, 
P        2024-T4, and 6061-T6 skins and 1/8-inch cell 3003-.001 N.P. core. The metal 

details were surface-treated as follows prior to bonding. 

(a) All 6061 skins were anodized prior to the application 
of a thin coat of E.G. 1459 primer. 

I 
F (b) The lower skin was vapor degreased and etched as out- 

lined above and then coated with E.G. 1682 primer. 
The primer was air dried for 60 minutes and then oven 
cured at 200oF for 30 minutes. 

(c) The 2024 and 7073 chem-milled sheets containing the 
plenum chambers were anodized prior to the applica- 
tion of E.G. 1459 primer to the surface to be bonded 
with AF-13 and E.G. 1682 primer to the surface to be 
bonded with AF-203. 

I Gft (d) The honeycomb core was vapor degreased prior to bonding. 

The metal details for the honeycomb sandwich specimens listed in 
Table  11 are 7075-T6 alclad aluminum skins and 1/4-inch cell 3003-.00? N.P. 
honeycomb core. The metal details were surface-treated as follows prior to the 
application of a thin coat of E.G. 1682 to the faying surface. 

(a) One skin was anodized (this skin was peeled in the 
honeycomb peel specimens). 

(b) One skia was vapor degreased and etched as outlined 
above. 

(c) The honeycomb core was vapor degreased prior to 
bonding. 

The types and quantities of specimens are listed In Table 11 . 

Two types of test panels were fabricated as shown in Table 11 , 
(Section I). 

(a) Group "A" panels were of heavy skin configuration 
typical of the skin structure in the torque box area 
of a wing. These panels were fabricated by bonding 
a thin cover skin (Aj 7075 alclad; A2 2024 alclad; 

A3 6061 none lad, anodized) to an anodized 0.188-inch 

thick 7075 alclad aluminum skin with plenum chambers 
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(E) Procedure (Continued) 

and holes. AF-12 adhesive was used. The cover 
skins were then slotted and a thin coat of Iridite 
was brushed onto the cover skin and slot edges. 

(b) Group "B" panels were of honeycomb sandwich configu- 
ration typical of the skin structure in the leading 
edge and trailing edge areas of a wing. A two-stage 
bonding operation was used in fabricating these panels. 
A piece of 1/8-lnch cell 3003-.001 N.P. core was first 
bonded between a primed skin and a primed, anodized 
chem-milled and drilled skin with plenum chambers 
using AF-203 adhesive. The holes were then redrilled 
completely through the panels. The honeycomb panel 
skin materials were 7075 (Bj) and 2024 (B2) aluminum 
skins. A 6061 anodized cover skin was then bonded to 
the chem-milled skin with AF-13 adhesive. The cover 
skin was then slotted and a thin coat of Iridite was 
brushed onto the cover skin and slot edges. 

The metal to metal single lap shear specimens (Table II , 
Section III) were fabricated from two pieces of 0.064- by 6.0- by 5.0-inch 
aluminum with a 1/2-inch bonded overlap using AF-13 adhesive. After exposure to 
the various conditioning procedures (described below), each panel was cut into 
five 1.0- by 9.5-inch specimens. 

The honeycomb peel specimens (Table  II , Section IV) were fab- 
ricated by bonding a 0.625- by 12.0- by 15.0-inch core of nonperforated honey- 
comb between one 0.020- by 12.0- by 15.0-inch primed anodized skin and one 
0.020- by 12.0- by 15.0-inch primed skin using AF-203 adhesive. Each panel was 
cut into four peel test specimens 3.0- by 12.0-inches, with the core ribbon 
direction parallel to the 12.0-lnch dimension. 

The honeycomb tensile specimens (Table 11 , Section IV) were 
fabricated by cutting 2.0- by 2.0-inch squares from the honeycomb sandwich panels 
fabricated as described In the paragraph above, and bonding each square between 
two 1.0- by 2.0- by 2.0-lnch 7075 blocks with a room temperature adhesive (L-1372), 

The metal to metal peel specimens (Table H , Section II) were 
fabricated by bonding a strip of 0.020- by 1.0- by 12.0-lnch aluminum (skin b) 
to a strip of 0.064- by 1.5- by 12.0-lnch aluminum (skin a) using AF-13 
adhesive. 

(2) Conditioning of Specimens 

The boundary layer control test panels were divided Into five 
groups of two each and were exposed to the following weathering conditions. 

(a) Group I - Salt Spray Chamber at 950F with a 5 percent 
salt spray solution for a period of twenty days, and 
then an additional twenty-day period.  Panels were re- 
moved once every twenty-four hours and rinsed off with 
tap water. 
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(E) Procedure (Continued) 

(b) Group 2 - Humidity Chamber at 120oF and 100 percent 
relative humidity for a period of twenty days, and 
then an additional twenty-day period. Panels were 
removed once every twenty-four hours and rinsed off 
with tap water. 

(c) Group 3 - Roof of the Test Laboratory for a period 
of ninety days. No cleaning was attempted during 
this period. Weather variations during the test 
Included a temperature range from 50oF to 90oF, 
light to heavy smog attacks, a trace of rain, dust, 
and winds up to 40 mph. 

(d) Group 4 - Panama Canal Zone, Naval Weathering Station, 
Ocean Site; for a period of sixty days with a tempera- 
ture and relative humidity range and rainfall average 
similar to the jungle site. No cleaning was attempted 
during this test. 

(e) Group 5 - Panama Canal Zone, Naval Weathering Station, 
Jangle Site, for a period of sixty days with a tempera- 
ture range of 72 to 870F, relative humidity range of 
56 to 100 percent, an average rainfall of 18.6 inches 
per month, and an average wind velocity of 5.6 mph. 
No cleaning was attempted during this test. 

The strength test specimens were divided equally into six groups 
(quantities tabulated in Table  II) which were exposed to the following weather- 
ing conditions. 

(a) Group 1 - Salt Spray Chamber at 95^ with a 5 percent 
salt spray for a period of twenty days. 

(b) Group 2 - Humidity Chamber at 120oF and 100 percent 
relative humidity for a period of twenty days. 

(c) Group 3 - Roof of Test Laboratory for a period of 
ninety days. Weather same as group 3 above. 

(d) Group 4 - Panama Canal Zone, Naval Weathering Station, 
Ocean Site, for a period of sixty days. Weather same 
as group 4 above. 

(e) Group 5 - Panama Canal Zone, Naval Weathering Station, 
Jungle Site, for a sixty-day period. Weather same as 
group 5 above. 

(f) Group 6 - Control specimens (no weathering conditions). 
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(E) Procedure (Continued) 

(3) Test Procedures 

The test setup used In determining the effect of the various 
climatic conditions on the suction characteristics of the boundary layer con- 
trol test panels is shown in Figure 27 . A suction source was connected 
through a nozzle to a sealed chamber containing the test panel. The flow rate 
was adjusted to obtain a pressure drop of three inched of water through the 
slots and holes of the test panel for all tests. The pressure drop was mea- 
sured between the chamber and the nozzle and converted to flow rate by the 

formula Q » 0.0540 x /A p. 

Flow rate measurements were taken before any exposure to pro- 
vide control values« After exposure to the various climatic conditions, the 
flow rate was determined both before and after cleaning by steam at 100 psi 
from the slotted side only and the running of shim stock along the slots. 
The results in terms of percent reduction of flow rate with relation to the 
control values are tabulated in Table I. 

The peel tests were conducted at ambient temperature by means 
of the climbing drum peel Jig mounted in the Instron Physical Test machine 
with a head travel of five inches per minute. The torque, in pound-inches, 
necessary to peel the face from the specimen was autographically recorded. 

The climbing drum jig was calibrated by peeling unbonded alu- 
minum strips of the same type and thickness as the faces of the bonded 
specimens. 

The torque, in pound-inches, necessary to peel the adhesive 
was calculated by subtracting the average calibration value from the average 
test value. Such factors as initial load on the test machine, torque neces- 
sary to overcome the weight of the drum, and torque necessary to overcome the 
resistance of the skin were thus eliminated. The results are tabulated in 
Table III and Table IV. 

The honeycomb tensile specimens were tested to destruction at 
ambient temperature in the Instron Physical Test machine with a head travel 
of 0.030 to 0.035 inch per minute. The bonded area was then measured and the 
failing stress was calculated in psi. The results are tabulated in Table IV. 

The metal to metal single lap shear test specimens were tested 
to destruction at ambient temperature in the Instron Physical Test machine 
with a head travel of 0.030 to 0.035 inch per minute. The bonded area was 
then measured and the failing stress calculated in psi. The results are 
tabulated in Table III. 

(F) Results and Discussion 

The results of the suction tests on the boundary layer control 
test panels are tabulated in Table I. 
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(F)  Results and Discussion 

(1) Humidity Chamber Exposure Results 

The solid skin panels exposed ip the humidity chamber for forty 
days showed no corrosion appearing on the surfaces or in the slots and holes. 
The maximum reduction in flow rate was 3.5 percent on one panel with an average 
reduction of 1.5 percent without any cleaning. These panels then were steam 
cleaned at 15 psi, instead of 100 psi, and the flow rate reduction was 0.5 percent 
average with the maximum reduction of 1.0 percent. 

The honeycomb panels exposed in the humidity chamber for forty 
days showed no corrosion of the surface or the slots and only slight corrosion of 
the holes. The maximum reduction of flow rate was 3.7 percent, occurring in the 
2024 sandwich panels that exhibited corrosion in the holes. The average flow 
rate reduction was 1 percent before steam cleaning. After cleaning the flow rate 
was increased by 1 percent average. This increase over the control valve is 
attributable to the steam cleaning operation removing some debris left from 
drilling the holes after the bending coeration. 

(2) Salt Spray Chamber Results 

The exposure of the solid skin panels in the salt spray chamber 
for twenty days produced no evidence of corrosion on the surface or in the slots 
or holes. The flow rate reduction was 1 percent maximum. An additional twenty- 
day exposure resulted in slight corrosion in the slots of the 2024 cover skins 
only. The maximum reduction in flow rate was 5.4 percent with an average 2.7 
percent reduction. After steam cleaning at 100 psi, the maximum reduction in 
flow rate was 1.6 percent with a 1 percent average reduction. 

The honeycomb panels exposed for a forty-day period in the salt 
spray chamber exhibited no evidence of corrosion on the surface. However, the 
slots of the 7075 panels were slightly corroded, while the holes showed extensive 
corrosion. The holes in the 2024 panels were more extensively corroded. Micro- 
scopic inspection showed a white crystalline deposit blocking the holes and, to 
a lesser extent, the slots. This aluminum hydroxide deposit was probably caused 
by galvanic action between the basic metal and its cladding material when ehe 
edges were exposed by the drilling operation.  Shim stock was run along the slots 
between the first and second twenty-day exposures without re-Iriditing the slots. 
This removed some of the Iridite coating in places along the '^lot, allowing cor- 
rosion to develop in the slot during the second twenty-d««y exposure. 

Flow rate measurements were taken after twenty days' exposure in 
the salt spray chamber. The 7075 sandwich panels showed a reduction in flow 
rate of 9 percent maximum while the 2024 panels exhibited a reduction of 45 oer- 
cent.  Running shim stock along the slots increased the flow rate to within 4 
percent of the control measurements on the 7075 panels but to within only 21 
percent on the 2024 panels. The second twenty-day exposure resulted in a reduc- 
tion in flow rate of 20 percent for the 7075 panels and a 56 percent reduction 
for the 2024 panels. Steam cleaning at 100 psi and running shim stock along 
the slots resulted in an increase in flow rate to within 5.5 percent of the 
control values for the 7075 panels and increased the 2024 panels to within 25 
percent of the control values. 
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(F)  Results and Discussion 

(3) Los Angeles Climate -- Roof of Test Laboratory and Results 

The panels on the roof were mounted on a horizontal rack so that 
condensation remained on the surface. No attempt was made to clean the panels 
during the ninety-day period of exposure. Upon removal, the 7075 panels showed 
extensive corrosion on the clad, Iridited cover skin. The 2024 clad, Iridited 
cover skins were slightly corroded, while no corrosion appeared on the 6061 
anodized skins. The slots of all the panels were clogged with sand particles, 
though no corrosion was found on the edges and the holes were relatively clean 
of sand and corrosion. 

The solid skin panels with 6061 cover skins had more sand clog- 
ging the slots than the other panels and showed a flow rate reduction of 59 per- 
cent before cleaning. The flow rate reduction of the other panels was 17.4 
percent maximum. All of these panels were steam cleaned at 100 psi. This in- 
creased the flow rate to within 0.7 percent of the control values with a maximum 
reduction of 2.5 percent. Running shim stock along the slots further increased 
the flow rate to within 0.3 percent of the control value. 

The measurements taken on the honeycomb panels showed a 30 per- 
cent maximum reduction in flow rate before cleaning. Steam cleaning at 100 psi 
increased the flow rats to within 2.5 percent of the control values and running 
skim stock along the slots brought the flow rate to within 1.5 percent of the 
control values. 

(4) Panama Jungle Site Results 

The panels at the Jungle Site were mounted on a horizontal rack 
so that condensation and debris remained on the surfaces. No attempt was made 
to clean the panels during the sixty-day exposure. Upon removal, there was no 
evidence of corrosion on the surface or in the slots of any of the panels. The 
holes of the honeycomb panels showed very slight corrosion on both the 7075 and 
the 2024 panels. 

On the solid skin panels there was virtually no difference in 
the results for the different materials. Before cleaning there was a 10 percent 
reduction in flow rate. These panels were first cleaned with a brush and a 
standard model household vacuum cleaner, used on the slotted side only.  This 
operation brought the flow rate up to within 2.5 percent of the control values. 
Steam cleaning at 100 psi brought the flow rate back to the original value. 
Running shim stock along the slots had no appreciable effect on the flow rate. 

The 7075 honeycoml panels showed a flow '■ate reduction of 10 
percent whilp the ^024 heneycomb panels showed a 13.5 percent reduction from 
the control values.  Vacuum cleaning brought the flow rate to within 3.5 per- 
cent of the control values for the 7075 panels and 4.5 percent for the 2024 
panels.  Steam clearing brought the flow rate back to the original value for 
the 7075 panels and to within 1 percent for the 2024 panels. Running shim 
stock through the slots increased the flow rate on one panel 2 percent but 
had no appreciable effect on the other panels. 
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(F)  Results and Discussion 

(5) Panama Ocean Test Results 

The panels at the Ocean Site were mounted on a horizontal rack 
so that condensation and debris remained on the surface. No cleaning was 
attempted during the sixty-day exposure. Upon removal there was no evidence 
of corrosion on the surface or in the slots of any of the panels. The holes of 
the honeycomb panels showed very slight corrosion on both the 7075 and the 2024 
panels with the 7075 panels being somewhat better than the 2024 panels. 

Exposure of the solid skin panels resulted in a reduction in 
flow rate of 15 percent for the 7075 panels, of 10 percent for the 7075-2024 
panels, and of 12 percent for the 7075-6061 panels. Vacuum cleaning brought 
the flow rate to within 7 percent of the control values for all panels while 
steam cleaning brought the flow rate to within 1 percent of the control values 
for all the panels. Running shim stock along the slots had no appreciable 
effect on the flow rate after steam cleaning except in one panel which showed 
an Increase of 4 percent. 

The sixty-day exposure of the honeycomb panels at the ocean 
site resulted in a 14 percent reduction in flow rate for the 2024 panels and 
a 7 percent reduction for the 7075 panels. Vacuum cleaning with a brush on a 
standard household vacuum cleaner brought the flow rate up to within 2.5 per- 
cent of the control values for all panels. Steam cleaning at 100 psi further 
increased the flow rate to above the control values while the running of shim 
stock through the slots did not effect the flow rer.e appreciably. 

(6) Adhesive Strength Test Results 

Results of the physical test data for the metal to metal bonds 
are contained in Table HI .  The results derived from the data are indicated 
below. Visual inspection of the bonded areas after the specimens had been 
destructively tested indicated a cohesive type of bond failure. 

Primed chromic acid anodized surfaces were satisfactory for 
bonding with AF-13 adhesive.  The AF-13 bond in the metal to metal bonded 
specimens was relatively unaffected by the five different environmental con- 
ditions (discussed previously). All of the different aluminum alloys provided 
satisfactory surfaces for bonding with the AF-13 adhesive. 

Of the metal to metal single lap shear specimens the wide range 
of lap shear values was probably due to warpage in the aluminum panels that were 
used in fabricating the shear specimens. To achieve maximum glueline strength 
with AF-13 adhesive, the cured adhesive glueline should be approximately 1.5 
mils. As the bonded glueline increases, the strength characteristics of the 
adhesive decreases. Therefore, a small warpage in the aluminum panels will 
cause areas of thicker gluelines and thus a reduction of bond strength. 

Since all of the metal to metal peel specimens were bonded as 
described previously, a comparison can be drawn between the bond strength of 
the four metal combinations: 
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(F)  Results and Discussion 

Metal Combination           Aluminum Details 

.020 Skin .064 Skin 

A        7075 alclad 7075 alclad anodized 

B        2024 alclad 7075 alclad anodized 

C        6061 nonclad anodized 7075 alclad anodized 

D        6061 nonclad anodized ;,.024 alclad anodized 

The physical test data in Table 111 indicate that metal combination D will 
probably provide the best peel strength, that metal combinations B and C are 
equivalent in peel strength bat lower than D, and that metal combination A has 
the poorest peel strength of the four combinations. However, all bond failures 
were cohesive and the lowest strength results (combination A) were above re- 
quired peel strengths. 

Results of the physical test data for honeycomb core adhesive 
bond AF-203 are contained in Table  IV. The results derived from the data 
are indicated below. Visual inspection of the tested specimens indicated 
cohesive failure on the honeycomb side of the bond. All the values for honey- 
comb tensile and peel specimens are above required values for BLC work. 

Primed chromic acid anodized 7075 surfaces were satisfactory 
for bonding with AF-203 adhesive. 

While the AF-203 bonds were somewhat affected by certain of the 
five environmental conditions (described previously), the strength values were 
all above the requirements for BLC work.  The only changes in strength values 
were as follows. 

(a) The honeycomu peel result after humidity exposure 
was 25 percent lower than the control values. 

(b) The honeycomb peel results of the Panama Canal 
Zone exposure (Jungle and Ocean Sites) were 15 
percent higher than the control values. These 
results cannot be explained at this time. 

(c) The honeycomb tensile results after exposure to 
the Ocean and Jungle Sites at Panama and the roof 
of the test laboratory were 10 percent lower than 
the control values. 

Although the results were satisfactory with AF-203, industry 
investigations have indicated that AF-203 is only suitalle for a two- or 
three-stage bonding operation when full pressure is applied at all times. 
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(F) Results and Discussion 

Investigations are currently being conducted on three new types of non- 
perforated core adhesives which are more promising for multistage bonding 
operations. These are:  (1) modified AF-203, Minnesota Mining and Manu- 
facturing Company; (2) FM-61, Bloomingdale Rubber and Asbestos Company; 
and (3) Metlbond 406, Narmco Resins and Coating Company. 

The two commonly used methods of anodizing aluminum alloys 
are the sulfuric acid and the chromic acid methods. Military Specification 
MIL-A-8625A prohibits the chromic acid method for anodizing aluminum contain- 
ing more than 7 percent alloying metals and more than 5 percent copper alloy 
without obtaining a deviation from the contracting agency. Due to the avail- 
ability of the chromic acid anodizing facilities at Northrop Corporation, 
Norair Division all the anodized aluminum details were chromic acid anodized, 
as is presently being done on details for the Boeing 707.  Specific approval 
for deviations from M1L-A-8625A will be required if the chromic acid method 
of anodizing is utilized for high aluminum alloys used in the design of a 
BLC aircraft. 

(G) Conclusions 

The flow rate measurements on all BLC panels, except the honey- 
comb panels in the salt spray chamber, showed reductions of less than 2.5 per- 
cent from the control values after steam cleaning. The honeycomb panels in the 
salt spray chamber showed considerable corrosion in the holes and the flow rate 
reduction was as much as 25 percent for the 2024 panels, but only 5 percent for 
the 7075 panels, after cleaning.  From the solid skin panel tests it would seem 
that anodizing the holes and brush-Iriditing the slots gives adequate protection 
against corrosion. However, running shim stock along the slots should be ac- 
companied by the reapplication of the Iridite coating. The holes in the honey- 
comb panels were not protected in any way, and while the salt spray test was the 
only one producing extensive corrosion, it is deemed necessary to devise a 
method of Iriditing the holes drilled after bonding. 

From the tests run on the weathered panels it would seem that 
the operation or storage of BLC aircraft for periods up to ninety days would 
require no special covering or protection for the slots and holes.  Periodic 
vacuum cleaning looks promising as a method for the removal of any drbris 
that may settle in the slots, while steam cleaning at 100 psi from the slot 
side seems adequate for maintaining an efficient ducting system.  Running shim 
stock through the slots does not seem to be necessary, at least during a three- 
month period, since in only two cases was the flow rate affected more than 1 
percent by this action. 

The results of the metal to metal strength tests show no 
deterioration of the bond during the weathering exposures. The results of 
the honeycomb peel and tensile tests indicate that the adhesive bond is 
attacked somewhat by humidity weathering exposures, but the strength values 
are still adequate for BLC work. Poth AF-13 and AF-203 adhesives will be 
used for future boundary layer work pending further investigation of other 
adhesives (discussed above). 
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TABLE il 

TEST SPECIMENS 

I.    Boundary Layer Test Panels 

A, 42096A6 Solid Skin Configuration 

Ai ll 

A, 

-1 

-5 

No. of Specimens  No. of Specimens 
Fabricated    in a Typical Group 

10 

10 

10 

II. 

HI, 

B. 4209647 Honeycomb Skin Configuration 

Bi '1 
B- 

-1 

-5 

Metal to Metal Peel 

Skin (a) (Table IIT.:  Skin (b) (Table III) 

7075-T6 
7075-T6 
7075-T6 
2024-T4 

7075-T6 
2024-T4 
6061.T6 
6061-T6 

Metal to Metal Single Lap Shear Panels 

Skin (a) (Table III)   Skin (b) (TabIa 111) 

7075-T6 
7075-T6 
7075-T6 
2024-T4 

7075-T6 
2024-T4 
6061-T6 
6061.T6 

IV:   Honeycomb Peel and Tensile Panels 

1/4-inch cell 
3C03-.00C N.P. core 
7075-T6 skins 

** 

10 

10 

30 
30 
30 
30 

6 
6 
6 
6 

2 

2 

*Each lap shear panel was sheared into 5 individual specimens. 

•'*Each panel was sheared into 'i honeycomb peel and 4 honeycomb 
tensile specimens. 
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TABLE IV 

PHYSICAL PROPERTIES OF AF-203 BONDED PANEL 

(Using .020-Inch 7075-T6 alclad skins and 1/4-inch 
cell size 3003-.004 N.P. honeycomb core, tested at 

ambient temperature) 

Honeycomb      Honeycomb 
Conditioning of Tensile Peel 
Test Specimens psi       lb-in/3" Width 

None 1310 121 

Salt Spray for 1320 112 
20 Days 

Humidity Chamber for 1340 86 
20 Days 

Koof of Test Laboratory 1190 118 
for 90 Days 

Panama Canal Zone, Ocean 1190 131 
Site, for 60 Days 

Panama Canal Zone, Jungle 1210 157 
Site, for 60 Days 
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Unclassified Report 
At subsonic speeds, full length laminar flow and low 
drags were obtained up to high length Reynolds numbers 
on a thin straight, on a swept laminar suction wing 
and on a suction body of revolution. Moderately in- 
creased suction rates in the most critical region of 
a straight and a swept laminar suction wing enabled 
full chord laminar flow in the presence of external 
sound. Theoretical investigations are concerned with 
nonlinear boundary layer oscillations and stability 
boundary layer on a flat plate up to high supersonic 
speeds as well as on a highly swept supersonic low 
drag suction wing of low wave drag. On a supersonic 
flat laminar suction plate with and without weak inci- 
dent shock waves, extensive laminar flow and low 
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equivalent drags were obtained at M = 3 up to length 
Reynolds numbers of 26'10°. Further supersonic low 
drag suction experiments on a suction body of revolu- 
tion, on a 36° supersonic yawing wing, as well as on 
a 72° supersonic yawing wing (swept behind the Mach 
cone) of low wave drag, are described. The latter 
wing showed full chord laminar flow with a subsonic 
type pressure distribution at M = 2 and Rc2^'10°. 
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