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SECTION Il PART 2

EXPERIMENTAL AERODYNAMIC INVESTIGATIONS
AT SUPERSONIC SPEEDS




CHAPTER A. INVESTIGATION OF A LAMINAR FLAT PLATE WITH SUCTION THROUGH MANY
FINE SLOTS WITH AND WITHOUT WEAK INCIDENT SHOCK WAVES

l a. LOW DRAG BOUNDARY LAYER SUCTION EXPERIMENTS ON A FLAT PLATE AT
MACH NUMBERS 2.5, 3.0 AND 3.5

E. E. Groth
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{ (B) Summary

Low drag boundary layer suction experiments on a 4l-inch long
flat plate were conducted at the 40- by 40-inch continuous supersonic Tunnel
A of the Arnold Engineering Development Center at Tullahoma, Tennessee. The
. i model was equipped with 76 closely spaced, fine slots arranged in eight suc-
tion chambers. Full length laminar flow was obtained at M = 2.5, 3.0 and 3.5
up to the highest possible tunnel pressures, resulting in length Reynolds
numbers of 21.8 x 106, 25.7 x 108 and 21.4 x 106, respectively, The measured
drag coefficients (sum of wake and suction drag) were of the order of 26 to
i' 43 percent of the turbulent friction drag at the same Reynolds and Mach numbers.,

The results of calculations of the laminar boundary layer
development along the plate at typical suction distributions are compared
with the test data.

(C) Notation

q
by average span of siots in kN chamber
c reference chord length, 'ocation of boundary layer
rake (¢ = 4%0.23 inches)
U Cog suction drag coefficient )
referred to freestream
Chy total drag coefficien: N dynamic pressure, unit
. span, and reference chord
ng wake drag coefficient
e Uy friction drag coefficient
SERES
¢
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(C) Notation (Continued)
{ ka = _____EEL_____ = suction weight flow coefficient
' P, 8 Uy by ¢
M Mach number
p static pressure
. q dynamic pressure
R Reynolds. number
U
R, = _%__ = reference Reynolds number
| o
T temperature
u velocity inside boundary layer
ol U potential flow velocity 1&
Wy suction weight flow through kth chamber
X coordinate along plate |
- y coordinate perpendicular to plate ‘:
6* boundary layer displacement thickness ‘
8 boundary layer momentum thickness
] viscosity ®
v kinematic viscosity
p density
Subscripts o
b suction box
c chordwise station ¢
k running parameter, k = 1,..0048 e
n measuring nozzle
s suction chamber inside model
w wall condition 4
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(C) Notation (Continued)

x chordwise station x
o stagnation
® freestream

(D) Introduction

Earlier boundary layer suction experiments on a two~dimensional
surface at supersonic speeds were conducted in 1957 on a 20~inch chord 5-percent
thick biconvex wing at Mach numbers 2,23 and 2,77 and at a length Reynolds
number of 12.5 x 100 (Reference 98)., The present program extends these results
to higher Mach and Reynolds numbers and to an airfoil section which does not
produce a favorable pressure gradient along its chord.

(E) Description of the Model

The flat plate suction model had a chord of 41 inches and a
span of 40 inches, The leading edge thickness was ,007 inch; the bevel angle
increased from 11.5 degrees over the forward 1.3 inches to 15.8 degrees between
stations 1.3 and 9.4 inches, resulting in a total thickness of the model of
2. 50 inches .

Suction was applied through 76 slots located between chordwise
stations 2,0 and 39.9 inches. The slot width increased from .004 inch in front
to ,005 inch in the rear, the slot spacing from 0.42 inch in front to 0.55 inch
in the rear. The span of the first slot was 14.6 inches, Allowing a wedge
angle of 8,3 degrees for the spread of turbulent disturbances from the end
points of the slots reduced the slot span to a value of 3,61 inches for the
last slot, The slots were cut through a .020-inch thick upper skin which was
bonded together with a thicker lower skin, The latter contained rows of
+20-inch deep holes placed .25 inch apart and varying in diameter from ,042
to ,062 inch., The sucked air was collected in eight suction chambers and
ducted from there through tubes of 0.93 inch i.d. through the tunnel wall to
eight metering boxes, where the suction quantities could be adjusted manually
and measured through calibrated nozzles., The sucked air was removed through
a 12-inch diameter pipe of a pressure of .05 to .10 psia, provided by ARO, Inc.

The model was instrumented to measure surface pressures, suction
chamber pressures and temperatures, metering box pressures and temperatures and
metering nozzle pressures, A rake of ten total head probes was mcunted at the
rear of the model; it could be moved between stations 23.5 and 40.5 inches to
measure the boundary layer profile at various chordwise stations, The drive
mechanism for the rake was provided by ARO, Inc,

A list of the pertinent slot dimensions is presented in Table
1. A sketch and photographs of the model are shown in Figures 1 to 5.
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(F) Measurements and Data Reduction

The tests were conducted at AEDC Tunnel A of the von Karman
Gas Dynamics Facility of ARO, Inc., Tullahoma, Tennessee, with J. H. Jones
and S. R, Pate as project engineer (Reference 99). At a given Mach number
and tunnel pressure the suction quantities through the eight c!-mbers were
varied and the changes of the boundary layer profile at the rake location
observed. The pressure and temperature data were recorded for typical cases,

The equations for the data reduction are the same ones used
in the previous supersonic suction experiments and are summarized as follows
(most of the symbols are defined in the Notation).

The suction coefficient for the kth chamber is determined by

2y3 m 2 f

W
kaz___..k_uak 5
o gU_ by ¢ M. (L4 .2 )3 b cp T
@ » Pk ° Kk k o by

vhere Mnk is the Mach number inside the metering nozzle of diameter d, and
defined by the suction box pressure Pby, and the nozzle pressure Py

2 - Py 286 o |
3 =5 (-.—.-) O =]
Iy L P J
bk is the average span of the slots in the kth chamber; the values are listed

in Table I. The reference chord length is identical with the rake location;
in most cases ¢ = 40,23 inches.,

The suction drag coefficient per unit span is given by

2
D, .. Mg 4 T,
CD = SHI Z CW (1 + _-L_.._lﬁ)
s q-'-’ © k M.oz Tr;

s
where Mg” is determined by the pressure in the suction chamber, Psy?

-
{

2 p'-’ .286
My '5[%;;) -1

the wake drag coefficient per unit span is evaluated from the formula

3 IR w—"
C = DW 32 C(E)H'{'Z'M
Dy q, ¢ c v,

-]
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(F) Measurements and Data Reduction (Continued)

where ec is the momentum thickness at the rake location

b
P u u
= O = d
8, f T Q1 Uc) y
o

and (Reference 123)

2
a2 - =3.045 - 26 4.2 - .30 4

Although the flat plate has constant static pressure along its surface, small
local changes occur due to the shock waves from the individual slots, resulting
in values of U. # U,. The total drag is defined as the sum of wake and suction
drag,

CDc = CDW + C‘Dso

(G) Results of the Drag and Suction Measurements

The basic test results are presented in Figures 6 to 9 where
the wake, suction and total drag coefficients are plotted versus total suction
coefficient for M = 2,0 and 2,5 and the Reynolds numbers investigated, Each
total drag curve has a minimum at a certain suction coefficient, These minimum
total drag and optimum suction coefficients are plotted in Figures 10 and 11
for the two Mach numbers, 3.C and 3,5, Included are the theoretical values of
a laminar and turbulent plate, The laminar value was taken from the boundary
layer calculation for an insulated wall at a stagnation temperature of 100°F,
The turbulent curve follows van Driest's theory (Eqs 11-29 and Figure F-1l11
of Refsrence 100),

Full laminar flow was maintained at M = 3,0 &nd 3.5 up to the
maximum tunnel prgssures available, r33ulcigg in maximum length Reynolds num-
bers of 25,7 x 0¥ at M = 3,0 and 21,4 x 10 at M = 3,5, The following min{-
mum drag and optimum suction coefficients were obtained at the highest
Reynolds numbers:

4

M, = 3.0, R, = 25.7 x 10%, Cp, = 4,50 x 107, ¢ = 2.10 x 1074

M, = 3.5, R = 2L.4 x 105, Gy = 5.65 x 107%, ¢ = 2,70 x 107

The test points {n Figures 10 and 1l indicate that no increase in suction
quantities was observed at the high Reynolds numbers due to increased exter-
nal disturbances at the higher tunnel pressures so that higher length Reynolds
numbers with full laminar flow could have been provided {f higher tunnel pres-
sures had been available. The measured minimum total drag coefficients of the
suction plate are between 1,60 and 1,77 times the laminar plate friction coef-
ficients and between 0,37 and 0,28 times the turbulent plate friction

-432-
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(G) Results of the Drag and Suction Measurements (Continued)

coefficients at M = 3,0; the corresponding data at M = 3,5 are
CDC e 2.05 X Cflam and CDt ~ 0.40 X Cfturb.

The slightly higher drag coefficients at M = 3,5 are partially
caused by the higher suction requirements at the higher Mach number. A plot

of (th /RC) versus R, is shown in Figure 12, About 25 percent higher

opt
suction coefficients are required at M = 3,5 than at M = 3,0, Typical experi-
mental suction distributions are presented in Figure 13, The low suction
coefficient through chamber 7 at M = 3,0 was caused accidently by a blockage

of the suction tube inside the model, Slightly higher suction in the adjacent
chambers compensated for the loss in chamber 7., The continuous suction inflow

2 v
velocity coefficient -EEL_Tfi_‘/RC for equivalent area suction is related to the

0 hel

suction coefficient Cy for ikt chamber by the equation

2w Vo Ay
ka T U c

o

where &) is the chordwise length of the Kth suction chamber. Typical values

dw Vo .
for -3-TT-./RC are of the order of 1.5, or

R4 il

WVO

— ~ L0303

0
for Reynolds numbers between 20 and 25 x 106. Because of ow ~ +3 and

v

U ~ 2000 ft/s at M_ = 3.0 to 3.5, the continuous inflow velocity v, is

about 2 ft/s,

(1) Discussion of Test Results and Comparison with Theory

The test results will be discussed in connection with theoretical
data obtained from a calculation of the laminar boundary layer development for
an insulated flat plate at a stagnation temperature of 100 and for suction
distributions similar to the experimental ones, The method of computation
originates from Reference 453, Two suction distributions with total coefficients
Cup s Re = 1.160 and 1.328 were selected. They are plotted in Figure 14 as

e Vg

—— R. vs x. Included in this figure is the development of the Reynolds

number based on the local momentum thickness of the boundary layer plotted in
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(H) Discussion of Test Results and Comparison with Theory
(Continued)

the form vs x for the two suction distributions. The calculations were

/Re
performed for both suction distributions at M = 3,0 and 3.5. The variation
of Ry with Mach number is so small that the plotted curves are valid for both

Mach numbers. For a flat plate the wake drag is related to Ry by the formula

R

Chy -fRC =2 ( 4
/Re

)x=c

The variation of CDw./Rc with the suction coefficient th /Rc is plotted in
Figure 15; the theoretical curve fairs into the value Cp,, ch = 1,27 at
th = 0. This curve can be compared with experimental data in the following

way: wake drag coefficients CDw and total suction coefficients th at a
given Reynolds number R. are taken from the cvrves in Figures 6 to 9, and

each point selected produces a test point (Cp,, ch, th,/kc) in Figure 135,

The points included in Figure 15 were taken at the optimum suction coefficient
(th)opt for the five Reynolds numbers tested at M = 3,0 and the three Reynolds

numbers at M = 3,5, Since the boundary layer velocity profile at the trailing
edge for the case of optimum suction is usually slightly distorted toward a
turbulent shape, additlonal points for M = 3,0 and a total suction coefficient
which is 30 percent nigher than optimum suction are zlso included in Figure
15. The test points fall into a band limited by the lines 1.45 and 1,75
times the theoretical curve; the experimental data at M = 3,0 are about 50
percent higher than the theoretical values, those at M = 3,5 2hnut 75 percent
higher; no difference was observed between the data for (th)opt and 1.3

(th)opt'

A possible explanation for this high wake drag may be found
from one additonal test point which was obtained by moving the rake to the
end of the seventh suction chamber, station x = 31,4, If x = 31.4 is intro-
duced as the new chord length and all suction and drag coefficients are made
nondimensional by this new value, one point occurs in Figure 15 which is only
14 percent higher than the theoretical value. This single point is also
included in Figure 6, Addi:ional test points at chordwise stations ahead
of the trailing edge were not obtained because of a failure of the rake drive
mechanism and time limitations in the later part of the program. If this
test point is correct, it suggests the possibility that the high experimental
wake drag coefficients are caused by a spanwise contamination of the laminar
boundary layer from the adjacent turbulent sections., The last slot of
chamber 8 had a span of 3,6 inches compared with 6,2 irches for the last slot
of chamber 7, Since the turbulent boundary layer has a thickness of the
order of one inch, it is possible that it interferes with the laminar layer
(whicl. i+ only about 0,1 inch high), and this interaction would be more

o B
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(H) Discussion of Test Results and Comparison with Theory
(Continued)

severe at ¢ = 40,2 than at x = 31.4, An increase of the suction area on the
model was not possible because of the limited volume inside the model and the
requirement to remove the sucked air at acceptable pressure losses,

Since the one test point at station x = 31,4 was obtained at a
total suction coefficient which seems to be close to optimum suction, the
total drag must be close to tie minimum drag., Therefore, the total drag

-4 6
coefficient Cp, = 4.98 x 10 at R, = 14,0 x 10 <can be compared with the
t

rninimum darg coefficients at M = 3,0 measured at ¢ = 40.23 inches, as shown
in Figure 16, Comparison with the laminar and turbulent plate friction
coefficients results in CDt = 1,45 (Cf)lam = ,28 (cf)turb' These values are

considerably better than those measured at ¢ = 40,2 inches,

A comparison of the theoretical and experimental velocity pro-
files is shown for the following.conditizne:

Figure 17 1 = 3.0, R, = 25.7 x 10°, c = 40,23 inches;
Figure 18 N, = 3.5, R_ = 21.4 x 10°, ¢ = 40,23 inches;
Figure 19 = 3.0, R, = 18,0 x 106, ¢ = 40,23 inches;
Figure 20 M = 3.0, R_ = 14,0 x 10%, x = 31.40 inches.

The experimental velocity profiles are thicker than the theoretical by about
the same ratio as the experimental wake drag coefficients are higher than their
thecretical values,

(1) Effect of Leading Edge Bluntness on Wake Drag

Another reason for the discrepancy between the theoretical and
experimental wake drag data consists in the fact that a theoretical flat plate
has an infinitely thin leading edge while the experimental plate had a finite
nose thickness (t = ,007 inch) and the lower surface was inclined by 1l.5
degrees, causing a certain amount of unsymmetry between the top and bottom
surfaces. The effect of a blunt leading edge on the transition of a laminavr
boundary layer and its momentum loss has been discussed frequently (e.g., Refer-
ence 101 & 102), The detached shock wave from the leading edge causes a con-
siderable total head loss for the streamlines next to the surface and produces
a momentum loss even in the absence of a viscous layer. The order of magnitude
of this effect can be estimated by the following analysis,

It will be assumed that the plate has the shape of a half cylinder
followed by a flat surface of constant thickness equal to the diameter t of the
cylinder, The bevel angle will be neglected. The detached shock wave for a
circular cylinder was computed in Reference 103 for ! = 3,0, The stand-off dis-
tance of the shock is equal to 4 = ,355 t., Since the shock wave will gradually

.

reduce to the MNach wave for if = 3,0, the shape of the shock is approximated by

=435~




(1) Effect of Leading Edge Bluntness on Wake Drag (Continued)

a hyperbola (also used in Reference 102) of the equation

T

L = 5.06 v/Z1 + .070 §.)2 -1

The shape of the model and shock wave are shown in Figure 21,

The local slope 0 of the shock wave permits the calculation
of the total head loss through the shock wave as a function of M sin U,

Pt
K = 2

Ptl

where pt2 is the total head aft of the shock, Pty =P, = total head ahead of

the shock. The variation of 0 and K along the height y/t are plotted in
Figure 22, The momentum loss of the air through the shock wave can be
computed, following a similar procedure described in Reference 104, The
static pressure p, aft of the shock changes adiabatically till it finally

reaches the undisturbed value p . The Mach number at infinity aft of the
shock, M3, is defined by

P 1 Kop,. - il
2 ty y=1 Py ¥=1 Q;_)
42t = (T = (= %= = (1 +.24 2 KY

The temperature at infinity is

y=1 y=1
T, To » — - —

T3 = = K = T‘ N K Y
2 2 '
1 + 02 1‘13 1 + -2 “\

since th: total temperature remains constant through the shock. The velocity
Uy at irfinity is given by

.1

2 (——-») -1
Us : .21132 Ty ) (L+212)8v/a1 ]’-Y—Y—
n? o 2w ?r, 21 2

v, 1 oyl

-——2 = 1 - (K - 1).

Uy W2 M
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(1) Effect of Leading Edge Bluntness on Wake Drag (Continued)

The momentum loss of the air.within an element of height d % is equal to

[as]

2 U3 v
0 Um (I-T)dt

and the mcmentum loss between the height y = 0 and y = h is proportional
to the integral

h/‘t U
1@ =] a -—Ui-)d%

[Se]

[o]

The corresponding drag coefficient referred to freestream dynamic pressure
and chord length c is equal to

h
CD(h) = 2% I (?)-

U
The functions 1 « Ez— and 1 (%) are plotted vs % in Figure 23.

The validity of this approach can be verified by checking some
of the test results of Reference 101, which contains measurements of the lami-
nar boundary layer on a flat plate with differe.t leading edge thicknesses at
Hach number M = 3,05 and a chordwise station x = 1,75 inches, R, = 2.7" x 100,
The measured wake drag coefficient, CDw(t)s for a given leading edge thickness
t should include, according to the above analysis, a contribution

ACD =2

X jer

_ t
Imax - 0368 ;("

. h
where I... = .184 is the asymptotic value of I(E) showm in Figure 23,

Therefore,

. — 2o Q - 0368 t
Cpyy (£20) = Cp () = “Cp = Cpy (1) = 2=t

should be the walie drag coefficient extrapolated to zero leading edge thickness,
The measured data, shown in Figure 7 of Referencel0l, and the present cor-
rections are listed below:
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(I) Effect of Leading Edge Bluntness on Wake Drag (Continued)

Leading edge thickness, t, 10"3 in. 0.3 5.7 11.7

Measured wake drag coefficient, CDw(t) ,0018 ,0029 ,0042

Drag correctiom, ACp = 422§—£ .0001 ,0012 ,0024
1,75

Drag coefficient at t =0, .0017 0017 .0018

CDW(O) = CDw(t) - /\CD

The extrapolated value of CDw(t=O) = ,0017 is slightly higher than the

theoretical value at the same Mach and Reynolds numbers, rCDw(t=0)1 = ,0014
" Jtheor

The contributions of the shock momentum loss in the wake drag of
a suction plate can nov be estimated, The total amount of sucked air represents
a neight h; of freestream air given by

h Coe

S = \‘Jt
The height hy,, of freestream air corresponding to the mass flow through the

boundary layer at the rake location is equal to

hb,'—'j-f‘

- %

where © is the total thickness of the boundary layer and °° the displacement
thickness, Therefore, the momentum loss from the shock wave between the
heights h, and h; + hy. is included in the wake drag analysis, or

chhock = Cp (hg + hbi) - Cp (hg)

The nurerical values for a few test points at } = 3,0 are listed in the table
shown on the following page.

The momentum loss due to the detached shock wave, which is
included in the walte drag evaluation of the measured boundary layer profile,
amounts to about 10 percent of the wale drag coefficient for the examples
selected. This amount ic rather low since a large portion of the air with
tiie high momentum is suclked ints the plate.
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(1) Effect of Leading Edge Bluntness on !ake Drag (Continued)

Chord 40,23 40,23 40,23 31,4
10°° Re 25,69 18,21 12,96 14,04
10% oy, 2,374 2,184 2,580 2,280
he (in) 00955  ,00878  ,01038  ,0072
5% (in) 027 .040 064 .025
10 Cp (hg) 416 ,393 438 ,437
10% ¢p (hg + hy, .637 .638 ,639 .812
10% ¢p - .221 V245 .201 .375
snoc
10% Cp,, 2,101 2,740 3,718 2.582
Cp
100 —=hock 10,52 8,94 5.41 14.52
CDwake

The chordwise development of hs(x) and hbg(x) is plotted in
Figure 24 for the case of the first example listed in the above table., h (x)
results from the measured suction distribution; hy,(x) was developed from

a theoretical boundary layer calculation under conditions similar to the test
case, Since the streamlines entering the outer edge of the boundary layer at
any chordwise station x have a distance hs(x) + hy .(x) from the centerline

t
ahcad of the shock, the actual total head loss —2 can be plotted vs x by

combining Figures 22 and 24, The result is shown in Figure 25-1, which also
Pt

includes the local tach number as a function of 2 » The !fach number at the
P,

outecr edge of the boundary layer decreases from the freestream value 3.0 near
the trailing edge of the model to a value of 2.3 near the leading edge. This
large variation along the chord and the velocity gradient of the external flow
perpendicular to the flow direction make it quite obvious that the simple
superposition of the effects of the flat plate boundary layer and the detached
shock wave as described above can only be considered as a first approximation
to the problem,

(J) Conclusions

Boundary layer suction experiments on a flat plate with 76
suction slots provided the following results:

(1) TFull chord laminar flow was obtained up to the maximum
tunnel pressures at lach numbers 3,0 and 3,5, resulting in maximum length

Reynolds numbers of 25,7 x 106 at ! = 3,0 and 21.4 x 10 at M = 3,5,

-439-
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(J) Conclusions (Continued)

(2) The total suction weight flow coefficients required were
between 2 and 3 x 10'4.

(3) The measured minimum drag coefficients were between 28
and 43 percent of the friction coefficients of a turbulent plate.

(4) Comparison of the measured data with the results of
theoretical boundary layer calculations shows that the measured boundary
layer thicknesses and wake drag coefficients are about 40 to 80 percent
larger than the theoretical data computed for the same total suction
coefficients,

(5) Two reasons for this discrepancy are discussed:

(a) the possibility of a spanwise contamination of the
laminar boundary layer in the center portion of the
plate from the adjacent turbulent areas;

(b) the effect of the detached shock wave from the
blunt leading edge of the plate which is not included
in the theoretical analysis,

(K) Addendum-~Additional Low Drag Boundary l.ayer Suction
Experiments on a Flat Plate at Mach Numbers 2.5, 3.0,
and 3.5

The flat plate suction model which was tested during July 1961,
at the AEDC Tunnel A was installed again in April 1962 for shock interaction
measurements (Section II, Part 2, Chapter A-b). A few drag measurements were
conducted before the shock generator was installed, they provided the follow=
ing results:

(1) 1In order to check the repeatability of the experimental
data, a few points were recorded at similar conditions as in the original
program, The drag coefficients agreed with the corresponding old data within
a few percent (see the first four test points in Table 11),

(2) Drag and suction measurements were conducted at M = 2,5
and several Reynolds numbers. The wake, suction and total drag coefficients
are plotted vs total suction coefficient in Figure 25-2 the resulting minimum
total drag and optimum total suction coefficients are included in Figure25-5.
Laminar flow was maintained up to the maximum tunnel pressure corresponding to

a length Reynolds number of 21.8 x 10%. The minimum total drag coefficient was
about 26 percent of the friction coefficient of a turbulent plate at Reynolds

nunbers around 20 x 106.

(3) More data were collected with the rake in further forward

positions, x = 31.4 inches at the end of suction chamber 7 and X ake = 2347

rake
inches at the end of suction chamber 6. One test point was mentioned on first

=44 -




(K) Addendum--Additional Low=Drag Boundary Layer Suction
Experiments on a Flat Plate at Mach Numbers 2.5, 3.0,
and 3.5 (Continued)

page of Section H which had a considerably lower wake drag than was measured
at the most aft position of x. .. = 40.2 inches at the end of suction chamber

8. Since the spanwise extent of the slotted area decreased toward the trail-
ing edge of the model, the possibility of a spanwise contamination of the
laminar region from the adjacent turbulent portions of the model was discussed
as a possible reason in part (H) above. The additional experimental evidence
presented in Figures 25-3 and 25-5 confirms the above observation, The reduc-
tion in Cp, at M = 3,0 and R, ~ 14 x 108 is of the order of more than 25 pers

cent when the rake is located at x = 23.7 and 31.4 inches instead of
= 40,2 inches., The minimum total drag coefficient at M = 3,0 and

e = 40,2 inches to 5.10 x 10~

Xrake

Ry = 14 x 10 1s reduced from 6.15 x 10™* at x g

rak
at Xpake - 31.4 inches at a simultaneous reduction of the optimum total suection

coefficient from 2.4 x 10'4 to 2.2 x 10'4.

The effect was less pronounced at M = 3.5, Figure 25.4
shows that the breakdown of the laminar flow was delayed to lower suction quan-
tities at the more forward rake position. The reduction of the minimum total
drag coefficient was about 3 percent, of the optimum total suction coefficient
about 6 percent,

(4) All performance measurements on the flat plate suction
model are surmarized in Figure 25-5, The minimum total drag and optimum total
suction coefficients are plotted vs lergth Reynolds number at Mach numbers
2.5, 3.0 and 3.5 and compared with the friction coefficients of a laminar and
turbulent plate. The drag reduction by means of boundary layer suction through
many fine slots is of the following order of magnituvde: the total drag coeffi-
cients of the suction model at length Reynolds numbers around 20 x 100 and Mach
numbers 2.5, 3.0 and 3,5 are 26.0, 29,5 and 38.5 percent of the friction coeffi-
cients of a turbulent plate, respectively,
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b. BOUNDARY LAYER SUCTION EXPERIMENTS ON A SLOTTED FLAT PLATE MODEL
WITH INTERFERING SHOCK WAVES

(a)

E. E. Groth

Summary

The interaction of an impinging shock wave with the laminar

boundary layer was investigated at the AEDC Tunnel A on a 4l-inch chord flat

plate suction
suction model.

model by mounting a plate (shock generator) vertically on the
The shock wave intersected the suction slots in the rear half

of the model under an acute angle. The flat plate model and its suction sys-
tem were the same ones which were used previously for shock-free low-drag

measurements.

Laminar flow was maintained aft of the shock wave up to certain

intensities depending on Mach and Reynolds number. The increases in suction
quantities and total drag as function of the shock intensity were measured at

Mach numbers between 2.5 and 3.5 and Reynolds numbers up to 26 x 10 .

(B)

Notation

average span of slots in kth chamber

reference chord length, most rearward location of boundary
layer rake (c = 40.23 inches)

suction drag coefficient

referred to freestream dynamic
pressure, unit span and refer-

total drag coefficient

ence chord
wake drag coefficient )

friction drag coefficient

W th
= ———X = guction weight flow coefficient of k  suction
p 8 Ubec chamber
= ;’CWR = total suction coefficient
L !

Mach number
static pressur

dynamic pressure

=442-
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(B)

Notation (Continued)

Reynolds number

U c
= 2 = reference Reynolds number
v

[ -]

velocity inside boundary layer
potential flow velocity

th
suction weight flow through k  chamber

coordinate along plate
coordinate perpendicular to plate
viscosity

= - kinematic viscosity
p

density

Subscripts

[o

k

2

(c)

chordwise station ¢

running parameter, k = 1,....8
chordwise station x

stagnation

freestream

condition ahead of shock wave

condition aft of shock wave

Introduction

Laminar flow and low drag coefficients were obtained at super-
sonic speeds ard high length Reynolds numbers by means of boundary layer
suction, The experiments conducted thus far (e.g., Chapter A-a of this section)
were restricted to surfaces which were free of impinging shock waves.
actual airplane cruising at supersonic speeds, shock waves originating from the
fuselage or nacelles can intersect the wing.
investigated whether laminar flow can be maintained in the presence of inter-

fering shock waves.

Therefore, the problem has to be

La !



(C) Introduction (Continued)
A

The two-dimensional problem of the interaction of an oblique
shock wave with a laminar boundary layer has been investigated frequently.
A summary of the experimental and theoretical results is included in Reference
19. At a certain pressure ratio, the shock wave causes separation of the
laminar boundary layer near the impingement point, but the boundary layer
remains laminar. At higher pressure ratios, the boundary layer hecomes tur-
bulent after re-attachment. One experimental study has been conducted in the
presence of boundary layer suction through fine slots (Reference 18, also
described in Reference 19), Boundary layer suction delays the beginning of
separation to higher shock intensities, reduces the size of the separation
area, and delays the beginning of turbulent re-attachment to stronger shocks.
The results of these tests can briefly be summarized as follows (page 1204 of
Reference 19)« The tests were conducted on a flat plate model at M = 2.0,

the Reynolds number at the impingement point was 0.5 x 10 , and the following
pressure ratios were measured through the shock:

No Suction With Suction

Beginning of boundary layer separation 1.20 1.62
Beginning of turbulent re-attachment 1.45 1.66

The first boundary layer suction experiments involving a three-
dimensional shock wave interaction are described in the following report.

(D) Description of the Test Configuration and Objective of the
Test Program

The present shock interaction experiments were conducted on the
flat plate suction model which had been used previously for low drag and suc-
tion measurements at AEDC Tunnel A (Chapter A-a of this section). The impinging
shock wave was provided by a small flat plate (shock generator) mounted verti-
cally on the model. A sketch of the configuration is shown in Figure 26, photo-
graphs of the model installation in the wind tunnel are presented in Figures 27
and 28. The angle of attack of the shock generator was adjustable from outside
while the tunnel was in operation. The location and size of the shock generator
were determined by the requirements that the movable boundary layer rake in its
most forward position had to be ahead of the shock wave and constant flow condi-
tions had to exist to the rear end of the suction area.

The shock wave intersected the suction slots under an angle, the
last four suction chambers were affected by this interference and, therefore,
had non-uniform inflow (Figure 29). Since the suction quantities are propor-
tional to the pressure difference between external surface and suction chamber,
more air was sucked through the portion of the slots aft of the shock wave than
ahead of it.

One alternative configuration was investigated for the following
reason: since the shock generator was mounted outside the suction area, it
was actually standing in turbulent air. The shock wave near the model surface
was, therefore, passing through the thick turbulent boundary layer before it

reached the laminar flow inside the suction area. In order to investigate the




(D) Description of the Test Configuration and Objective of the
Test Program (Continued)

the possibility, whether the test results were affected by this discontinuity
in the path of the shock wave, the shock generator was mounted inside the suc-
tion area at a fixed angle of o = 1.88°. The exact locations of the shock
generator and shock waves at several Mach numbers are shown in Figures 30 and
31 for the two configurations selected.

The present test setup was selected to provide experimental evi-
dence on the following questions: (1) how much increase in suction quantities
is required and what are the drag penalties in order to maintain laminar flow
through weak shock waves; (2) what are the maximum shock intensities which can
be tolerated without losing laminar flow. The tests were conducted at Mach

numbers between 2.5 and 3.5 and length Reynolds numbers up to 25 x 106. It is
important to emphasize that the suction system was the same as had been used for
the shock-free drag measurements and had not been modified for the particular
conditions of the present program.

(E) Presentation of Test Results

The tests were conducted at AEDC Tunnel A in April 1962 with
S. R. Pate as project engineer (Reference 106), The tests with the adjustable
shock generator were conducted in the following way., Laminar flow was estab-
lished at a given Mach and Reynolds number with the shock generator at zero
degree and the rake in its most rearward position (x = 40.2 inches) by means of
moderate suction (slightly higher than optimum suction). Then the shock genera-
tor was turned to a small angle of attack. If laminar flow was lost, suction
was increased to re-establish laminar flow. Finally, a shock generator angle
was obtained where laminar flow could not be provided anymore in spite of high
suction.

With the shock generator mounted in the fixed position inside the
suction area, laminar flow was established ahead of the shock wave (station
x = 23,7 inches) and then the rake moved aft. When laminar flow was lost, suc-
tion was increased. Because of the large number of parameters involved, it was
not possible to record several suction distributions for each configuration in
order to determine the minimum total drag and optimum total suction coefficients.
It was tried during the tests that each suction distribution adjusted was close
to its optimum.

The shock intensity was determined in two ways. Since the shock
generator deflection was known, the pressure rise could be established from the
theoretical shock relations (Figure 32). A few static pressure orifices in
the vear half of the model provided immediately the measured pressure rise. If
Py is the static pressure on the model ahead of the shock wave, P, the value aft

of it, and p_ the static pressure of the undisturbed freestream, then the accu-
racy of the pressure measurements can he seen from the following table.




(E) Presentation of Test Results (Continued)

M, 2.489 2.989 3.50
Ad justable shock genera- P 1.016 £+ ,020 {[{1.039 £ .015 | 1.015 £ .010
tor mounted outside ;‘ 1.009 £ ,009 {L1,003 + ,013
suction area ®
Fixed shock generator P 1.046 + .020{-1.088 £ .030 | 1.008 + .010
mounted inside suc- ;‘ 1.059 £ .020
tion area ® 1.028 £ .010

Both shock generator p )
installations ) o (&) -.01 +.02 -.01

P
1exp ! theor

The different readings of pl/pm in the table were established during different
runs of the tunnel. The higher pressure ratios of pl/p°° (ahead of the shock

wave) with the shock generator installed inside the suction area at M = 2.5 and
3.0 cannot be explained. The difference between the theoretical and experimental
values of the pressure ratio through the shock might have been caused by small
zero-shifts of the shock generator.

The drag and suction coefficients are reduced in the usual form.
They are referred to undistributed freestream conditions and the chordwise dis-

tance of the rake, X  y.° The total drag is defined as the sum of rake and

suction drag,
oy = p, * Cpg

The test results are presented as curves of CDt and th vs shock

intensity, p2/p1, for fixed Mach and Reynolds numbers and the rake in its most

rearward position, x = 40.2 inches (Figures 33 to 38). The test points

rake
represent the data obtained with the adjustable shock generator mounted outside
the suction area and include the one test point of the fixed sbock generator
installed inside the suction area. The values at p,/p, = 1.00 are the minimum
total drag and optimum total suction coefficients ogta}ned in shock-free laminar
flow (Chapter A-a of this section). Figures 39 to 42 present plots of CDt and

vs chordwise distance,

Cy /c, for given Mach and Reynolds numbers. The

t Xrake
data for the fixed shock generator at & = 1,88° are compared with those for the
adjustable shock generator at an angle @ = 2,0°, The location where the shock
wave intersected the center of the suction area (rake location) is marked on the
graphs., The curves ahead of the shock location were faired into the values of
the minimum drag and optimum suction coefficients of the shock free tests,

(F) Discussion of Test Results

The test data presented in Figures 33 to 38 show an increase of
the total drag and suction coefficients with increasing shock intensity. The
effects of Mach and Reynolds numbers on these data can be observed by plotting
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(F) Discussion of Test Results (Continued)
Cp th
t , and the suction increase, . PR

Cp,) ’

min t opt J
intensity, pzlpl, for the Mach numbers 2.5 and 3.0 and the different Reynolds s‘{

the drag rise, » versus shock

numbers (Figure 43). At both Mach numbers, an increase in Reynolds number
caused higher drag increases at approximately the same suction quantities, only
at M = 3.0 the two high Reynolds number tests provided nearly identical results.
The test results at M = 3.0 were more favorable than at M = 2.5, laminar flow
was maintained at higher shock intensities and lower drag and suction penalties
at M= 3.0 than at M = 2,5, Typical numerical values are as follows: at M = 2.5

and R = 19.9 x 10 , an increase in suction of 60 percent and in drag of 25 per- ]
cent was required to maintain laminar flow behind a shock wave of a pressure
ra.io p2/p1 = 1.08, corresponding to a two-dimensional corner angle of o = 1.15°.

6
At M= 3,0 and R = 19.0 or 26.4 x 10 , an increase in suction of 40 percent and
in drag of 20 percent was required in the presence of a shock wave of pressure
ratio 1.13, or two-dimensional corner angle of o = 1.60° At M = 3.0,

penalty was only 10 percent. The test data at M = 3,5 (Figure 38) were not
included in this analysis since not enough air could be sucked through the
model at this Mach number; the maximum suction quantities available were only
15 percent higher than the optimum suction coefficients in shock-free flow.

-

R=11.0 x 106 and the same pressure ratio and suction increase, the drag L
|

i

|

éﬁ ‘i’ The higher suction requirements and drag penalties at M = 2.5 are e
caused, to a certain extent, by the present test configuration. Figure 30 |

shows that the shock wave at M = 2.5 is about 3.5 inches ahead of the shock at

M = 3.0, so that a larger portion of the suction area is exposed to the shock

disturbance at M = 2.5 than at M = 3.0, If the comparison between the two

Mach numbers is conducted at the same chordwise distance from the shock inter-

section, then the data at M = 3.0 and x/c = 1.00 have to be compared with those ®

at M= 2.5 and x/c = 0.91. Figures 39 and 40 show a considerable reduction of

the drag and suction coefficients at the more forward station.

The shock generator installed inside the suction area produced
higher drag coefficients than the one installed outside the slotted area
(Figures 33 to 38). If expressed in shock intensities, the same drag coef- e
ficients were measured at slightly lower shock intensities; the difference in
P,/P; was approximately of the order 0.02. Figures 39 to 42 also show con-
sgstently higher drag data for the shock generator inside the suction area at
about the same total suction coefficients as for the shock generator mounted
outside.

The four test points at M = .0, Rx = 26.4 x 1o°, x = 40.2 inches

(Figure 37) which were recorded at the shoc generator angles o = 0, 1.0, 1.5

and 2.0° were selected to show the change in (e chordwise variation of the

suction distribution with increasing shock intensity. The local suction in-

flow coefficients L




I

(F) Discussion of Test Results (Ccntinued)

(Figure &4) in the area of the shock impingement and immediately ahead of it
(chambers 4 to 7) were increased up to a factor 2 at the higher shock genera-
tor angles, while the front portion of the model remained nearly unchanged.
The maximum values of f£,° in the last three chambers were the highest values
which could be provided with the present suction arrangement.

The measured boundary layer velocity profiles at station 40.2
for these four test conditions are plotted in Figure &5. Thin laminar pro-
files were measured at o = 0 and 1°, the profile at o = 1.5° is still as thin
as the laminar ones, the increase of the velocity near the wall indicates
beginning transition, the profile at o = 2° is fully turbulent.

(G) Conclusions

A shock generator was installed vertically on a 4l-inch chord
flat plate suction model which was used previously for low-drag and suction
measurements in shock-free flow. The shock wave intersected the suction slots
in the rear half of the model. Laminar flow was maintained over the whole
chord length of the model at increased suction and drag coefficients for cer-
tain shock intensities depending on Mach and Reynolds number.

At M = 3.0 and length Reynolds numbers of 19 and 26 x 106, lami-
nar flow was maintained through a shock wave of pressure ratio 1.13 (flow
deflection angle o = 1.6°) by increasing the suction by 40 percent beyond the
optimum suction coefficient in shock free flow which resulted in an increase
of the total drag coefficient by 20 percent beyond its minimum value. The

same shock wave at R = 11 x 106 caused only a 10 percent drag rise.

At M= 2.5 and R = 20 x 106, full chord laminar flow was main-
tained at a shock intensity of p,/p, = 1.08 (deflection angle 1.15°) by in-
creasing suction by 60 percent whicé provided a 25 percent increase of the
total drag.

These results were obtained with the slot arrangement designed
for shock-free flow. It is expected that an increase of the local suction
quantities in the immediate vicinity of the location of the shock wave would
produce more fuvorable results.




CHAPTER B. LOW DRAG BOUNDARY LAYER SUCTION EXPERIMENTS AT SUPERSONIC SPEEDS
ON AN OGIVE CYLINDER WITH 29 CLOSELY SPACED SLOTS

E. E. Groth

(A) Acknowledgement

The work reported herein was accomplished under the direction
of Dr, W. Pfenninger, Director of the Norair Boundary Layer Research Group. The
model was designed by S, Smith and built by W, Wilkinson. J. Ryan praicicipated
in the design calculations and the wind tunnel tests, and he deserves credit
for most of the data analysis, all calculations on the IBM 7090 machine, and
the final plots for the report.
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(B) Summary

Low drag boundary layer suction experiments on an ogive cylinder
were conducted at the Arnold Engineering Development Center supersonic Tunnel
E-1 at Tullahoma, Tennessee, at Mach numbers 2.5, 3.0 and 3.5. The model had
the same external dimensions as the one tested in 1958, but was equipped with
an improved suction system. A larger number of closely spaced slots approached
continuous suction to a better degree, and larger suction tubes permitted higher
suction coefficients, Full laminar flow and drag coefficients were measured up

to Reynolds numbers Ry ~ 15 x 106 at M = 2,5, Ry ~ 12 x 106 at M = 3,0 and
RL~7X 106 atM=3.5.

The boundary layer development along the body was computed for
several experimental suction and surface pressure distributions and the results
were compared with the test data.

{C) Notation
X coordinate along model axis

x! arc length along mocdel surface

L = 18,8 inches; length of model, location of boundary layer rake

y coordinate perpendicular to model avis
r radius of model
M Mach number

U potential flow velocity

u velocity inside boundary layer
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(c)

Notation (Continued)
static pressure
density

temperature
viscosity

kinematic viscosity
Reynolds number

suction weight flow (1b/s)

= 5;-E§%i:—7r- = suction weight flow coefficient

wetted surface area (A = 144,0 in2 for L = 18,8 inches)
wake drag coefficient
suction drag coefficient
referred to freestream dynamic

total drag coefficient pressure and wetted surface

friction drag coefflic.ent J

momentum thickness

displacement thickness

L
=.§__ = boundary layer form parameter

height of roughness particle

SubscriEts

(o}

stagnation
freestream
station x = L
Transition
wall condition

outer edge of boundary layer
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(C) Notation (Continued)

h height of roughness particle

s suction chamber inside model

b suction box

n measuring nozzle g
k running parameter; k =1, 2, 3, 4 i

Other symbols are defined in the body of the report,
(D) Introduction

The low drag boundary layer suction experiments on an ogive
cylinder which were conducted in 1958 at the Arnold Engineering Development
Center Tunnel E-1 at ARO, Inc., Tullahoma, Tennessee, resulted in full length
laminar flow over a rather limited range of length Reynolds numbers at Mach
numbers 2,5, 3,0 and 3.5 (Reference 123). In order to investigate the effect =
of an improved suction system on the test results, a new model of the same
geometric dimensions but equipped with more slots and larger suction tubes
was built and tested in the same wind tunnel during February and March 1961,

(E) Description of the Model

The model was a 20-caliber ogive cylinder with a maximum diameter
of 3,25 inches; the length of the ogive was 14,443 inches. It was built and
mounted in the wind tunnel in the same way as descrited in Reference 123 for the
old model tested in 1958. The only difference between the two models consisted
in the suction system., Continuous suction was approached more efficiently on
the new model by reducing the distance between consecutive slots, The new model
had a total of twenty-nine slots located between stations 4.5 and 18.5 inches
at a constant spacing of 0.5 inch and arranged in four suction chambers, come
pared to only twelve slots between stations 5.0 and 18,0 at spacings varying
between 1,4 and 1,0 inches for the old model, By eliminating unnecessary in-
strumentation lines, it was possible to increase the diameter of the suction
tubes which removed the sucked air from the suction chambers so that the pres-
sure loss of the sucked air was reduced and larger quantities could be sucked.
The new model had tube diameters of 0.75 inch to station 29,5 inches and 1.00
inch aft of station 31,0 compared to diameters of 0.50 and 0.75 inch, respec-
tively, for the old model.

The suction air from the four chambers was ducted to four suc-
tion boxes cutside the tunnel where the suction quantities were adjusted manu-
ally and measured through calibrated novzzles,

A total head rake of seven probes was mounted aft of the last

slot to measure the boundary velocity profile from which the wake drag was
evaluated,
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(E) Description of the Model (Continued)

A sketch of the model and a photograph of the model mounted in
the wind tunnel are shown in Figures 46 and 47, Some of the slot dimensions
are listed in Table 1III.

(F) Measurements and Data Reduction

The tests were conducted at the AEDC Tunnel E-1 of the von Karman
Gas Dynamics Facility of ARO, Inc., Tullahoma, Tennessee, with W, T. Strike as
project engineer, The tunnel could be operated continuously over long periods
of time (about ten minutes at M = 2,5 and about one hour at M = 3,5) by removing
the tunnel air from the vacuum sphere during the tunnel operation., Because of
these long running times, it was possible to cover a wide range of suction dis-
tributions at a given Reynolds and Mach number and to adjust the distributions
according to the observed status of the boundary layer at the rake location,

The measured pressures and temperatures were recorded on tape
from which nondimensional coefficients were computed on an automatic computing
machine., Shadowgraph picturges were taken during most of the tests.

The equations for the data reduction which were described in
detail in Reference ]23are summarized as follows (most of the symbols are
defined in the Notation section).

Kth

The suction coefficient for the chamber is determined by

W Mn {1+ .2 M“2)3 Il d 2 pb 1 }T
Gy, = k = k - % % k|0
— 2 z
P,gUs, A M, (14 .2 Mnk )3 Ap, | Ty

where Mnk is the Mach number inside the metering nozzle of diameter dk and

defined by the suction box pressure Pby and nozzle pressure pnk

v o= il ky.286 J )
et LS U

A = 144 inz 1s the total wetted area of the model up to station 18.8 inches;
@y is a nozzle calibration factor depending on the nozzle Reynolds number.

The suction drag coefficient is given by

2

c P : cn (1 +MSk Ts'k)

Dg = —x = . M —
5 q A e K M 4T

where MSkz is determined by the pressure in the suction chamber Psi:

Mg 2 =5 (2286
k ~ Psk S




(F) Measurements and Data Reduction (Continued)

The boundary layer velocity profile at the rake location is computed from
the measured total head pressures under the assumption of comstant static
pressure and total temperature in the boundary layer and zero heat trans-
fer between flow and surface.” The wake drag is given by

H+ 2 - M2
c 21--[dLe (U)
D =._7§___ L =

w

where the momentum thickness at the rake location is

)
n P u u
6, = | T (1 - =) (1 +L) dy
L J PL Uy UL Iy,
[o}

and

H42 -0 =3,145 - .28 1% - .30 1 >

The total drag is defined as the sum of wake and suction drag:

Cp, = Cp, + Cpg

(G) Results of the Drag and Suction Measurements

(1) Test Results of the Present Model

The results of the drag and suction measurements are
presented in Figures 48 to 53, The variation of wake, suction, and total
drag with total suction coefficient for given Reynolds numbers is shown in
Figures 48, 50 and 352 for the three Mach numbers, 2.5, 3,0 and 3.5. The
optimum suction quantities and minimum total drag coefficients are plotted
versus Reynolds number in Figures 49, 51 and 53 £{or the three Mach numbers,
Included in these figures are the drag coefficients of the nonsuction con-
figuration with the slots sealed and the friction coefficients of the laminar
and turbulent plate. Typical boundary layer velocity profiles at the rake

location are shown in Figure 54 for M = 3,5, R, = 4,85 x 106

suction coefficients,

and several

The mezsurements M = 2,5 showed that low drag coeffi-
cients could be maintained for length Reynolds numbers of the order of

15 x 106. Increased suction quantities were required for Reynolds numbers

*The error introduced by the assumption of constant total temperature
was checked for one of the numerical examples reported in Chapter (I).
The exact momentum thickness or wake drag coefficient was found to be
smaller by 0.5 percent than the corresponding approximate value. The
assumption of constant static pressure will be discussed in Chapter (H).
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(G) Results of the Drag and Suction Measurements (Continued)

between 15 and 17 x 106 to keep the boundary layer laminar over the whole body
in spite of the increasing level of external disturbances, Full laminar flow
could not be maintained beyond R; = 17 x 106 although ample suction air was
available, Apparently, at these high numbers, which correspond to unit Reynolds
numbers of more than 10 x 106 per foot, model roughness and tunnel noise became
critical, Shadowgraph pictures showed that minor roughness spots caused by
sandblasting effects on the tunnel air caused premature transition on one side
of the model while the other side remained unaffected, The already high level
of tunnel noise was amplified occasionally by oscillations of the shock wave

at the end of the test section.

At M = 3,0, full laminar flow and low drag coefficients
were maintained until Ry ~ 12 x 106, A thin laminar profile was observed

once at Ry = 12,8 x 106, but the sudden increase in tunnel noise due to

vibrations of the opening valve of the tunnel caused an immediate transition
to turbulert flow before the data were recorded. For unit Reynolds numbers

beyond 8 x 109 per foot the external disturbances were too large to keep the
boundary layer laminar in spite of high suction quantities available.

The tests at M = 3,5 provided laminar flow over the whole
model up to length Reynolds numbers of the order of 7 x 106. The measurements

at R = 7.8 x 10° indicated that transition moved forward because of insuffi-
cient suction. Since the model was designed for a Mach number of 3.0, the
slot widths and holes underneath the slots were too narrow for the relatively
large volumes of low density suction air at the higher Mach numbers, An
extrapolation of the curve (th)opt versus Ry in Figure 53 shows that a

total suction coefficient of ~ 2.3 x 10'4 would be required at R =7.8x 106,

but the largest amount available was only 1.9 x 1074,

The minimum total drag and optimum suction coefficients
from Figures 49, 51 and 53 are combined in Figure 55 to present a clearer
picture of the variation of the coefficients with Mach number. The lowest
drag coefficients and corresponding Reynolds numbers are compared in the
following table with the laminar and turbulent friction coefficients at the
same Mach and Re:;nolds numbers.

Freestream Length Reynolds Total Drag Friction Coefficients of
Mach Number Number Coefficient Laminar Plate Turbulent Plate
-6 4 4 4
Mg 10 RL 10 CDc 10 Cf 10 Cf
2.5 14 4,9 3.3 19,9
3.0 11 5.6 3.7 18.3
3.5 7 7.6 4,5 17.6

The drag of the suction body is 1,5 times the friction drag of a laminar
plate at M = 2,5 and 3,0, and 1.7 times greater at M = 3,5, The turbulent
friction drag is 4.0 times larger at M = 2,5, 3,3 times larger at M = 3,0




and 2.3 times larger at M = 3,5 than the drag of the suction body. The
reduction of the ratio of the turbulent plate drag to the drag of the
suction body with increasing Mach number is due to the reduction of the
turbulent friction drag with Mach number,

The suction quantities required to provide the minimum
drag coefficients are included in Figure 55, They show a steep rise with
Mach number at a given length Reynolds number. One reason for this varia-
tion with Mach number is the forward shift of transition without suction
with increasing Mach numbers., Figures 56, 57 and 58 present all the
information available about boundary layer transition. The test points
are marked where the boundary layer stayed laminar to the rake station
either without or with suction, The highest test points from the previous
measurements (Reference 123) are included for comparison. Shadowgraph pic-
tures of the area between stations 6.5 and 14,8 inches were taken for most
of the test points, As an example, transition occurred at a unit Reynolds
number of 0,5 x 106 per inch at the following stations:

%
B = om T
M xp (in.) u v
2.5 12.8 6.4 x 10°
3.0 9.8 4,9 x 10°
3.5 8.6 4,3 x 10°

The optimum suction coefficients of Figure 535 and the natural transition
Reynolds numbers without suction of Figures 56, 57 and 58 are replotted

in Figure 59 versus length Reynolds number, from which Figure 60 is derived,
Figure 60 presents the suction quantities required for maintaining laminar
flow to station 18,8 inches at minimum total drag as a function of the loca-
tion of natural transition without suction (station xp). The xp scale is

plotted backward so that the abscissa represents the chordwise distance by
which the range of laminar flow has to be extended, In this presentation the
curves for M = 2,5 and 3.0 nearly coincide, which can be interpreted in the
form that the increase in suction requirements between M = 2,5 and 3.0 is
cauvsed by the change in natural boundary layer transition between these Mach
numbers, But this effect is not sufficient to explain the further increase
in suction at M = 3,5, where about 40 percent more suction is required than
for M = 2,5 and 3.0, Figure 60 also emphasizes the steep increase of suc-
tion because of excessive external disturbances, This occurs for M = 2,5
and 3.0 at Reynolds numbers which provide boundary layer transition without
suction at xp ~ 9 inches.

(2) Effect of the Different Suction Systems of the
0ld and New Models on the Test Results

The difference in the suction systems of the two models
consisted of two items: (1) continuous suction was approached to a better

*The local unit Reynolds number, Ulﬁil, deviates from the freestream value,

Uﬂ/vm, by less than +5 percent between stations x = 10 and 19 inches for the

three Mach numbers.,
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(G) Results of the Drag and Suction Measurements {(Continued)

degree on the new model (slot spacing 0.5 inch) than on the old one (slot
spacing 1.4 to 1.0 inches); (2) the maximum suction quantities which could
be sucked through the model were larger on the new one because of larger
cross sections of the suction tubes,

The effects of these differences in the suction system
on the test results are presented in the following table:

Maximum Length Reynolds

Freestream Maximum Total Suction Number with Full Laminar
Mach Number Coefficient, 10 th, Available Flow, 10-6 RL*
M_ 0ld Model New Model 0ld Model New Model
2,5 1.6 4,2 10,6 15,3
3.0 1.2 3.1 7.0 11.5
3.5 o8 2,0 4,7 6.3

The improvement in maximum length Reynolds number at
M = 3,5 is caused primarily by the increase in total suction quantities.,
The Reynolds number level at this Mach number appears too low for external
disturbances to become critical so that slot spacing is not yet important,
A comparison between corresponding test points from the two models shows
good agreement:

- -6 4 4 4 4
(Mm 3.5) 10 RL 10 th 10 CDS 10 ch 10 CDt

Old MOdel 4.44 0771 092 7.35 8027
New Model 4,82 832 .89 7.18 8,07

The slightly larger slot widths and hole sizes on the new model are
responsible for the reduction in suction drag.

A different situation exists for M = 3.0, At

R, = 6,8 x 106 the old model had just enough suction to approach minimum
drag; the high wake drag at Ry, = 8.0 x 106 indicated that transition had
moved forward, The present tests show that the same suction quantities

are sufficient to maintain full laminar flow at this Reynolds number so
that the improvement is probably due to the narrower slot spacings. The
extension of the laminar range beyond Ry = 8 x 106 is primarily due to the
higher suction quantities available, A comparison of corresponding old and
new points is shown on the following page.

*Defined at the length Reynolds number where total drag coefficient
exceeds the nonsuction laminar flow value by 15 percent (same defini-
tion as in Reference 123),
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(G) Results of the Drag and Suction Measurements (Continued)

- 4 4 4 4
(Mo =3.00 1008 10%cy  w0fcy 0% 10%cp

01d Model 6.83 1.232 1.51 5.34 6.85
7.98 1,205 1.51 7.39 8.90
New Model 7.71 1,227 1.32 5.13 6,45

_ The favorable effect of the narrower slot spacing is even
more pronounced at M = 2,5, where higher suction at a lower Reynolds number
produced a higher wake drag on the old model than the lower suction at a
higher Reynolds number on the new model, as is shown in the following
comparison:

} -6 4 b 4 4
(M, =25 107 R - 107c 00 100¢ 1000
0ld Model 12,10 1,584 2,13 4,90 7.03
New Model 13,24 1,335 1.39 3.83 5,22

With the total suction available for the old model, laminar flow could have
been maintained up to Ry ~ 13 x 106 if a better approach to continuous suc-
tion had been provided, The increase in Reynolds number range beyond this
value required higher total suction coefficients,

The requirement of the narrow slot spacing for producing
high length Reynolds numbers with full laminar flow might be partly due to
the high level of external disturbances of this wind tunnel. According to a
communication by the author with Mr, C, J. Schueler of ARO, Inc,, transition
measurements on a hollow cylinder provided about 25 percent higher transition
Reynolds numbers in the continuous Tunnel A than in Tunnel E-1, He also
mentioned that sound measurements in the stilling chamber of Tuanel E-1 had
indicated a high noise level caused by the high speed jet flow from the con-
trol valve. The total sound power output was of the order of 2000 watts/ft2,
corresponding to pressure fluctuations of the order of 9 1b/ft2 or 147 db,
This high sound level at unit Reynolds numbers of the order of 10 x 100 per
foot represents really severe test conditions for maintaining laminar flow.

(H) Flow Field Near Last Slot

The total head readings of the boundary layer rake provide
some information about the flow field and the shock wave originating at the
last slot. A typical plot of the variation of the total pressure, pr,ie

(uncorrected for the pressure loss due to the shock wave from the probe
tip), perpendicular to the model surface is shown in Figure 61 for M = 2.5,

R; = 15.8 x 106, station 18.81 inches. The outer edge of the boundary layer
is reached at the maximum value of Prake* This value(prake/p°> determines
max

a Mach number Mref by means of the standard charts for normal shocks. It is

assumed that the static pressure defined by M_.¢ is constant throughout the

=457«




i

(H) Flow Field Near Last Slot (Continued)

boundary layer, The variation of P, ke/po outside the boundary layer is
a

interpreted as a variation of the local Mach number in the potential flow.
The Mach number distribution corresponding to prake/po is also included in

Figure 61. Under the assumption of constant static pressure (or local
Mach numbers) along Mach lines, the Mach number variation along the y axis
can be plotted along the chordwise distance x. The discontinuity of
prake/po between the heights 0,12 and 0.13 inch is caused by the shock wave

from the last slot (located at station 18.5). A possible interference
between the shock waves from the siot and the pressure probes is neglected.
Since the local Mach number at station 18.25 is known from the static pres-
sure orifice, the variation of the local Mach number along the outer edge of
the boundary layer can be plotted between station 18,25 and the rake bottom
as is shown for three examples in Figures 62, 63 and 64, Figure 62 was
developed from the data presented in Figure 61, The reduction of the local
Mach number variation due to a reduction in suction quantities is shown in
Figure 63, The suction coefficient at the last slot is approximately one-
seventh of the value for the fourth suction chamber. Figure 64 presents
the data obtained at two rake locations under identical test conditions,

The rake was moved aft for the tests at M, = 3.5 to eliminate the intere
ference with the shock wave from the last slot.

The few test points available restrict the accuracy of the
curves, The actual thickness of the boundary layer depends on the way the
curve is faired through the few rake total head readings, and the exact

height of the probes above the surface is not known with sufficient accuracy,

The shock lines at the bottom of Figures 62 to 64 were developed in such
a way that the chordwise location of the steep decrease of the local Mach
number coincides with the point where the shock wave penetrates the outer
edge of the boundary layer, The direction of the shock wave was assumed to
be slightly steeper than the local Mach line. The shock waves plotted in
Figures 63 and 64 can be extrapolated to the slot, but the shock at

M= 2,5 (Figure 62) apparently is displaced by about 0,02 inch.

The three example cases are in qualitative agreement with the
results of a detailed flow field survey reported in Reference 107, where it
was discussed that the assumption of a constant static pressure inside the
boundary layer might no: be accurate enough in regions where noticeable
chordwise gradients of the external static pressure occur within distances
equal to a few boundary layer thicknesses, The rather steep change of the
local Mach number near the outer edge of the boundary layer (M = 2.502 at
chorduise station 18,81 or y = ,032 inch above the surface and M = 2,523 at
station 18,77 or y = 0,50 inch, as shown in Figures 61 and 62 might repre-
sent a typical case where a variation of the static pressure inside the
boundary layer has to be considered.

The evaluation of the boundary layer velocity profile at the
rake location was set up originally in the form that the surface pressure at
station 18,25 was used for determining the reference Mach number, The above
examples show that the shcck wave from the last slot can change the actual
value of the reference Mach number at the rake location so much that the

accuracy of the drag evaluation would be affected. All wake drag coefficients

published in this report have been evaluated with the correct value of the
referenced ifach number at the rake location.
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(1) Comparison of Experimental Results with Theory

The development of the laminar boundary layer over the ogive
cylinder was computed on the IBM 7090 machine by means of an exact theory
(Reference 45) for the following three cases:

-6 4 4 4 4
| M 107° R 10% cy, 10" ¢p_ 10% ¢p 10* cp,
{
’ 2.5 13,24 1.335 1.389 3.832 5.221
3.0 11.36 1.6642 1.811 3.844 5.655
3,5 4,85 1.454 1.667 6.143 7.810

The calculation was performed under the following conditions:
the measured freestream reference values and measured surface pressure dis-
tributions were used; the model surface was assumed to be at adiabatic wall

temperature, (.%JL_) 3 = 0, without heat conduction or radiation,
y y=

A continuous suction distribution was developed in such a
way that the integrated values per chamber were equal to the measured suction
coefficients, The distributions within 2 chamber were estimated from the
measured pressure drop through the skin and the known slot and hole dimen-
sions. Discontinuities in the slopes were admitted since they had no notice-
able effect on the accuracy of the integration. An analytical expression for
this continuous suction distribution is the quantity dCy/dx defined by

dCy Py v, 2T

dx Py Un A

where v, 1s the local inflow velocity and r the body radius at station x,

d -
:E? has the dimension (inch) 1. Since the slot spacing is 0,5 inch, the
term

1 4Gy
R f e

represents approximately the suction coefficient for a single slot,

The surface pressure and suction distributions for the three
examples are shown in Figures 65, 66 and 67, Since the boundary layer
le is computed along the arc length, x!', of the body, the data are plotted
versus x! Instead of the chord length x along the axis, In the cylindrical
section, x!' = x + 0,12 (in.).

9

The Reynolds number based on momentum thickness, Ry = ._Hl

v
1
divided by the square root of the length Reynolds number is plotted versus x!

in Figure 68 for the three examples. The variation of versus x! can be

e
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(I) Comparison of Experimental Results with Theory (Continued)

related to the local suction distribution in the sense that high suction
produces rather small increases of Ry and vice versa. The value of Ry at

the rear end of the body and the wake drag coefficient CDw can be compared

with the experimental values evaluated from the measured rake profile., The
results are listed in the following table:

Rake Location 4 4
— (107Cpy,) (107°Cp,,)

i x! (In.) (/RL )theot (Ra)theor Dwtheor (Re)exp Dw exp
2.5 18,93 «3953 1448 2,928 1840 3.832
3.0 18.93 4043 1362 3.268 1602 3.844
3.5 19.21 4357 959 5.252 1170 6,143

The experimental Ry values and wake drag coefficients are about 22 percent
higher than the corresponding theoretical data.

The boundary layer velocity profiles at the rake location are
compared in Figure 69, The theoretical and experimental values of the total
boundary layer thickness are listed below (because of the asymptotic behavior
of the boundary layer the value of & is defined as the height for u/U = ,99),

M, 6theor 6exg
2.5 .026 .032
3.0 .033 040
3.5 064 066

The experinents provide higher velocities near the wall and lower velocities
near the outer edge than the theory predicts. The experimental boundary
layer thickness is about 22 percent thicker than the theoretical one at

M = 2,5 and 3.0; good agreement exists at M_ = 3.5,

The discrepancy between theory and experiment is rather high
and cannot be explained without a more refined analysis. The assumption of
continuous suction for the theoretical calculation instead of suction through
individual slots might be a severe simplification in supersonic flow, since
it neglects the variation of the external pressure field caused by the shock
waves from the individual suction slots, As a consequence, the assumption of
constant static pressure through the boundary layer may no longer be justified.
Also, the external disturbances in the wind tunnel, particularly the noise
field, might contribute to a deformation of the laminar boundary layer pro-
file and require higher suction quantities to maintain its stability,”

*Oscillations in the laminar boundary layer can be amplified rapidly when
certain frequencies of the external disturbances coincide with critical
frequencies of the laminar boundary layer, as was shown in Reference 96.
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(1) Comparison of Experimental Results with Theory (Continued)

Th: computed wall temperatures and recovery factors,

=

- -1
B ) WL
2
TO - Tl o2 Ml

are plotted in Figures 70a, 70b and 70c¢ for the three cases. The theoretical
wall temperature varies by less than +5°F, which indicates that the assumption
of an insulated body for the boundary layer calculations is sufficiently accu-
rate., The recovery factor grows from its value r ~ .86 in the front part of
the model (no suction) to r ~ .90 near the rear end of the model. It is also
known from other calculations that the recovery factor in laminar flow in the
presence of suction can exceed the value of .90,

The computed velocity and temperature profiles permit a calcu-
lation of the height of the portion of the boundary layer which is sucked into
a slot, The results of this calculation for one slot near the middle of each
chamber are presented in the following table, together with the slot width of
the model.

Thickness of Sucked Layer (in.) Slot Width
Station x! (ino) M= 2.5 M= 3.0 M= 3.5 of Model (inc)

6.0 .0016 «0021 .0026 .0035
10,0 .0013 .0022 .0030 .0040
13.1 .0016 .0025 .0043 .0070
16.0 .0025 .0025 .0049 .0070

The increase of the thickness of the sucked layer with increasing Mach number
is quite pronounced. The actual slot widths have to be larger than the thick-
ness of the sucked layer in supersonic wind tunnel experiments because of the
large pressure losses of the low density air which might lead to early choking.
There is no apparent danger of local separation effects inside the slots since
the slot Reynolds numbers (R;) based on slot width and mean inflow velocity

are extremely low, e.g., Ry = 16 to 51 at M = 2,5, Ry = 12 to 40 at M = 3,0
and R, =7 to 9 at M = 3,5 for the above example cases. These values of Rg
can be changed to other length Reynolds numbers by multiplying them with the

R
ratio of the square root of the length Reynolds numbers (’:i
RL) . RL

independent of

(J) Effects of Surface Roughness

One single roughness particle, a .093-inch diameter disc of
+0035-1inch height, was placed at station 2,00 inches of the model and tested
at M = 3.0, The shadowgraph pictures of the nonsuction configuration show
that transition moved from xr = 14 inches to xy = 12 inches at Ry = 6.3 x 106,
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(J) Effects of Surface Roughness (Continued)

but the boundary layer stayed laminar with suction (also, see Figure 57).
At Ry = 7,6 x 107, transition without suction moved from X, = 12 inches to
xp = 7.5 inches due to roughness; with suction laminar flow could not be
maintained; transition with roughness was at xp = 9.0 inches.

The boundary layer calculations permit the computation of the
following roughness parameters: the roughness Reynolds number, defined as

h u (h)
Rh = _._....vu(h)

where velocity and kinematic viscosity are taken at the height h of the
roughness particle; the ratio of the height of the particle to the dis-
placement thickness 5*; and the Mach number My at the height of the particle.
The following table lists these values for the above test conditions at

M, = 3.0 and h = ,0035, Also included is the ratio of transition Reynolds
number with roughness to its value without roughness for the nonsuction case.

-6 R
107°ry, Ry, b My ol
5 Re,

6.3 163 .57 .82 .85
7.6 232 .63 .90 .62
11.3 464 .76 1.13 - -

Reference 108presents an evaluation of available roughness measurements in
supersonic tunnels by plotting fkhcr versus M, where the critical height,

h.y, is defined as the particle height which causes transition at a length

Reynolds number which is 5 percent less than its value without roughness,
Figure 18 of Reference 108gives fkhcr‘” 16 to 19 for My = .8 to .9, com-

pared with the value of about 12 for the nonsuction tests and of the wind
tunnels and the different methods of computing the boundary layer profiles
might explain the discrepancy. The increase in allowable roughness height
in the front portion of the body ahead of the suction area due to suc-ion
is rather small.

Estimates of allowable roughness height can be obtained from
the theoretical layer development by plotting the quantities My, and

R

versus % “RL. In this form, all data are independent of length Reynolds

/Ry,
number, Since it was expected that model roughness might have become criti-
cal at the high unit Reynolds numbers at M = 2,5, the above roughness parame
eters are plotted at stations x = 1,0, 2.0 and 5.0 inches in Figure 71,
Assuming 2 value.--"Rhcr =13 and Ry, = 18 x 106 gives the following maximum

roughness heights for the ogive cylinder body for the tests in Tunnel E-l:




(J) Effects of Surface Roughness (Continued)

Critical Roughness

Station x (in.) Height (in.)
1.0 0011
2.0 0014
5.0 0017

Surface contamination of that order of magnitude must have occurred since
laminar flow was lost occasionzlly at high Revnolds numbers and regained
after the model had been polished,

Another possible roughness spot was station x = 1 inch, where
the nose cone of the model was attached to the remainder of the body. The
above roughness analysis requires that the step at this joint has to be con-
siderably less than ,0011 inch, a condition which was hard to maintain during
the tests since the nose cones had to be exchanged occasionally, It should
be emphasized that these severe roughness requirements are caused by the fact
that the tests were conducted at unit Reynolds numbers of the order of

10 x 106 per foot.
{K) Conclusions

The boundary layer suction experiments on the ogive cylinder
provided the following results:

(1) Low drag coefficients and full laminar flow were main-
tained at high length Reynolds numbers at Mach numbers 2.5, 3.0 and 3.5.
Total drag coefficients of 5.0 x 10°% were measured at Ry, =15 x 10” and

M= 2.5; Cp, = 5.6 x 107% at Ry = 11 x 10% and M = 3.0; Cp, = 7.6 x 107

at RL =7 x 106 and M = 3,5, The total suction coefficients at these

Reynolds and Mach numbers were close to 2.0 x 1074,

(2) At a given Reynolds number, the suction coefficients
increased with Mach number. This effect could only partly be explained
by the forward shift of transition without suction with increasing Mach
number,

(3) Laminar flow was lost beyond 17 x 106 at M = 2,5 and
and 13 x 10° at M = 3.0 in spite of high suction due to the combined effects
of external disturbances such as tunnel noise and turbulence as well as
model roughness,

(4) A theoretical analysis of the boundary layer development
along the body provided wake drag coefficients which are between 18 and 27
percent lower than the measured values and boundary layer velocity profiles,
which are between 3 and 21 percent thinner than the measured ones, The
largest discrepancies occurred at the high Reynolds number at M = 2,5,
indicating an influence of the external disturbances on the test results,
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CHAPTER C, INVESTIGATIONS OF SWEPT WINGS WITH SUPERSONIC LEADING EDGES

a. LOW DRAG BOUNDARY LAYER SUCTION EXPERIMENTS ON A 36° SWEPT
WING AT MACH NUMBERS 2.5, 3.0 AND 3.5

E. E. Groth

(A) Summary

A 36° swept suction wing of 3-percent-thick biconvex section was
tested at AEDC Tunnel A at Mach numbers between 2.5 and 3.5. Laminar flow and
low drag coefficients were maintained up to the highest tunnel pressures, result-

ing in length Reynolds numbers of 17, 25 and 20 x 106 at Mach numbers 2.5, 3.0
and 3.5, respectively.

The computation of the laminar boundary layer development along
the wing chord for typical test conditions provided numerical values of crossflow
Reynolds numbers with full laminar flow.

Two separate tests were conducted. The first model with the
original -- relatively narrow -- slots was successful at M = 2.5 and in the
Reynolds number range up to R = 13 x 106 at M = 3.0. The second model, with
wider slots, provided satisfactory data at M = 3.0 and 3.5 at further increased

chord Reynolds numbers. Both models were rather sensitive to the local suction
quantities.

(B) Notation
b wing span, measured perpendicular to flow direction

Kk spanwise extent of kth suction chamber, perpendicular to
flow direction

b' wing span, measured parallel to leading edge

c wing chord, measured parallel to flow direction
(c = 39.0 inches)

c' wing chord, measured perpendicular to leading edge
(c' = 31.5 inches)
CDs suction drag coefficient ?
Cp, total drag coefficient Referred to freestream dynamic
pressure, unit span and refer-
CDw wake drag coeffic it ence length in flow direction
Ce friction drag coeL.Acient?
J
Wy
C = = suction weight flow coefficient through
W PaB Ul £ &
kth chamber
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Notation (continued)

=z ka = total suction coefficient
k

Mach number
static pressure

Reynolds number

= reference unit Reynolds number {per inch)
vcc

potential flow velocity perpendicular to leading edge

Vo = potential flow velocity parallel to leading edge

1
=
N
+
<
N
[t}

resultant potential flow velocity

velocity component inside boundary layer perpendicular
to leading edge

suction weight flow through kM chamber (1b/s)
coordinate in flow Jdirection

coordinate perpendicular to leading edge
coordinate parallel to leading edge
coordinate perpendicular to wing surface
kinematic viscosity

density

sweep angle

boundary layer thickness

Subscripts

X

k

Other symbols are defined in the body of the report.

chordwise station x
ruaning parameter, k=1 .., 8
freestream

outer edge of boundary layer

and velocity components are shown in Figure 75,
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(C) Introduction

Laminar flow and low drag coefficients were maintained on straight
two-dimensional wings by means of boundary layer suction at Mach numbers between

2.5 and 3.5 and at length Reynolds numbers up to 26 x 105, The next step in the
development toward a three-dimensional supersonic suction wing is the investiga-
tion of the effects of crossflow on the stability of the laminar boundary layer
in supersonic flow. For this purpose, a two-dimensional wing swept ahead of the
Mach cone was built and tested at AEDC Tunnel A. The first experiments were con-
ducted in March 1962; the tests were repeated with a modified suction arrangement
in October 1962,

(D) Description of the Model and Purpose of the Tests

The model selected for the boundary layer suction measurements was
a two-dimensional wing of 36° sweep; the chord length in flow direction was
¢ = 39.0 inches and perpendicular to the leading edge was c¢' = 31.5 inches. The
model spanned the tunnel, b = 40 inches. The biconvex airfoil section was 3-per-
cent thick perpendicular to the leading edge or 2.43-percent thick in flow direc-
tion. Suction was applied to an area which was not disturbed by any shock waves
for Mach numbers M 2 3.0. The shock lines from the intersection of the model
leading edge with the tunnel side walls intersected the last suction chamber at
M = 2.5. The reflection of the leading edge shock wave from the tunnel walls at
M = 2.5 barely missed the rear end of the suction area. A sketch and photograph
of the model are shown in Figures 72 and 73; the location of the shock lines
relative to the sucticn area is presented in Figure 74.

The original suction system consisted of 66 slots arranged in
eight suction chambers. The slots were 0.42 to 0.45 inch apart (measured per-
pendicular to the slots) and between 0.005 and 0.014 inch wide; the first slot
was 1.6 inches aft of the leading edge ( ll.e.). Since the first test indicated
that this arrangement provided insufficient suction quantities at the higher Mach
and Reynolds numbers, the model was modified by increasing the slot widths and
adding two slots in front. The first slot of the modified model was 0.76 inch
aft of the feading edge (measured _| l.e.). Table IV contains a list of the
pertinent dimensions of the two suction arrangements. The slots near the leading
edge of the model were about 19 inches long (measured parallel to the leading
edge); their length reduced to about five inches near the trailing edge. The
ducting and metering of the suction air was done ir. the same way as in previous
tests (Section 11, Part 2, Chapter A~a and A-b).

The boundary layer rake was located in the middle of the suction
area and could be moved from its most rearward position at the end of the last
suction chamber (X e = 37.8 inches) to the end of suction chamber 7 (x 5o = 32.8

inches) and to its most forward position at the end of suction chamber 6
(Xpake = 27.7 inches).

The purpose of the tests was to establish laminar flow at super-
sonic speeds and high length Reynolds numbers by means of boundary layer suction
in the presence of strong boundary layer crossflow. Suction requirements had to
be established as functions of Mach and Reynolds numbers. Theoretical analyses
of the laminar boundary layer development at the experimental pressure and suc-
tion distributions had the purpose of providing numerical data of crossflow
Reynolds numbers at which luminar flow could be maintained. In order to develop
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(D) Description of th. Model and Purpose of the Tests (continued)

strong crossflow effects along the whole wing chord, a two-dimensional swept wing
model was selected. The sweep angle was low enough to provide supersonic leading |
edge flow at all Mach numbers under consideration.

(E) Drag and Suction Measurements

The experiments were conducted in AEDC Tunnel A; S, R. Pate of
ARO, Inc., was project engineer (References 106 & 109). The first tests took 5
place in March 1962, the second tests with the modified suction system in Octo-
ber 1962. Preliminary results of both tests were reported in References 110 and
111,

The suction and drag coefficients of a two-dimensional swept wing
are defined in Part (H) of this report, which also includes a derivation of the
wake drag in compressible flow. The coordinates and velocity components used
are shown in Figure 735,

Plots of wake, suction and total drag coefficients vs total suc-
tion coefficient are presented in Figures 76 to 82 for Mach numbers M = 2.5,
3.0 and 3.5 and for three rake locations (end of suction chambers 6, 7 and 8).
The test points from the two tests are marked differently to demonstrate the
different behavior of the model with the two suction arrangements.

The first tests provided laminar flow at M = 2.5 up to the highest
possible tunnel pressures; the flow over the last few inches was disturbed, prob-
ably by the reflected shock from the leading =dge. No laminar flow could be

obtained at x = 37.8 inches for unit Reynolds numbers R(l) > 0,42 x 106 per inch,
but the flow remained laminar at x = 32.8 inches up to the highest value of

R(L) = 0,54 x 108 per inch. The tests at M = 2.5 with the first suction system
were conducted at low total suction coefficients. It was observed during these
tests that suction in chambers 2, 3 and 4 had to be kept at low values (less

than one-half of the suction quantities sucked through chamber 1) in order to
maintain laminar flow. Apparcntly, some disturbance of unknown nature caused
instability of the laminar boundary layer at higher suction quantities., A possible
reason for such a behavior may be found in the fact that the bonding of the outer
skin was not as uniform as on the other suction models; a portion of the outer
skin was loose in the front portion of the model and was fastened to the inner
structure by a few rivets. In spite of the limitation in the adjustment of the
suction distribution, a sufficient number of test points was recorded in the
range of the minimum total drag.

The tests with the first suction system at M = 3.0 were restricted
to length Reynolds numbers below R, ~ 13 x 10°. Reduced suction was again required

in the third and fourth suction chambers. The maximum suction quantities available
in the first two chambers were not sufficient to obtain laminar flow at higher
Reynolds numbers. No laminar flow was observed with the first model at M = 3.5.

The modified suction system provided laminar flow and low drag
coefficients at rather uniform suction distributions at M = 3.5 up to the highest
possible Reynolds numbers. Suction could be reduced considerably in the rear

half of the model without a drag penalty. The curves at R = 19.7 x 106 in
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(E) Drag and Suction Measurements (continued)

Figure 81 show that the total drag still decreased for total suction coefficients
th <3x 1074, Although the boundary layer velocity profiles looked rather
unstable, they remained thin enough so that the reduction in suction drag was
larger than the increase in wake drag.

Full laminar flow up to the maximum Reynolds number was also
observed with the modified suction system at M = 3.0 and 2.5. The measurements
at low Reynolds numbers agree with the data obtained during the first tests
(Figures 76 and 79a). With increasing Reynolds numbers it became necessary
to maintain high suction quantities in the front half of the model, resulting in
rather high total suction coefficients and, therefore, total drag coefficients.

The minimum total drag and optimum total suction coefficients are
presented in Figures 83 to 85 for the three Mach numbers. The optimum data at
M= 2.5 and at the low Reynolds numbers at M = 3.0 were observed in the first
tests; the high Reynolds number points at M = 3.0 and all values at M = 3.5
resulted from the second tests. The minimum total drag coefficients near the
trailing edge (X ke = 37.8 inches = 0.97 c) were slightly lower than two times

the friction coefficient of a laminar plate at M = 2.5 and 3.5 and approximately
2.4 Cflam plate at M = 3.0 and Reynolds numbers beyond 13 x 106. The optimum

4 at M= 2,5, near 3.0 x 1074 at

M= 3.5 and above 4.0 x 1074 at M = 3.0. Lower drag and suction coefficients
were observed at stations ahead of the trailing edge.

total suction coefficients were near 2.5 x 10~

The variation of (Cp,) and (th)m with Mach and Reynolds

min in
numbers is not as uniform as was observed on the flat plate model (Section II,
Part 2, Chapter A)., The data indicate e rather high degree of sensitivity toward
the suction system. Apparently, it is not possible to use one suction arrange-
ment for the whole Mach and Reynolds number range which was covered in this test
program. A further discussion of the test results will be presented in the fol-
lowing section in connection with theoretical developments of the laminar boundary
layer at typical test conditions.

(r) Comparison of Test Results with Theory

Calculations cf the development of the laminar boundary layer over
the 36° swept wing of 3-percent-thick biconvex section were conducted by means of
the method of Reference 45 at Mach numbers 2.5, 3.0 and 3.5 and suction distribu-
tions which were close to experimental cases. The potential flow pressure distri-
bution was determined by means of second-order theory. The suction distribution
is defined by an equivalent continuous inflow coefficient

Pw Vo
f * =
[o) pm Qm \/RC

which is related to the individual suction coefficient ka by the equation
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(F) Comparison of Test Results with Theory (continued)

where 4y is the length of the kD suction chamber; uniform suction is assumed

through each chamber. Parameters for estimating the stability of the boundary
layer are the Reynolds numbers Rbss based on the momentum thickness dgg in the
direction of the local streamline and the crossflow Reynolds number Ry ; based

on maximum crossflow velocity and a boundary layer thickness defined as the
height where the crossflow velocity is one-tenth of its maximum value. The
theory provides both Reynolds numbers divided by /R..

Theoretical drag ccefficients were computed in the same manner
as they were evaluated from the wind tunnel tests. The detailed expressions
are presented in Part (I) of this report. Numerical values of the chord Reyn-
olds number R, were selected so that the theoretical data could be compared

with the experimental results.,

Boundary layer calculations were conducted for the following

cases:

M cy /R Suction Distribution Drag CoTparlson at Figure

= t ¢ Selected from 10 ™ Re Numbers
2.5 1.222 First tests 11.1, 16.6, 19.8 86a, b, ¢, d
2.5 2.013 Second tests 13.5, 21.0 g7a, b, ¢
3.0 1.840 First tests 13.0 88a, b

3.0 1.982 Second tests 25.5 89a, b

3.5 1.698 First tests 20,2 90a, b

The suction distribution in Figure 86a at M = 2.5 is typical
of the first tests -- high suction in the first chamber, low suction in chambers
2, 3 and 4. The effect of this non-uniform distribution on the developments of
Rbss and Ry | is quite insignificant, which confirms the conclusion discussed

in the previous section that some disturbance must have existed in the front part
of the model which caused boundary layer instability at higher suction quanti-
ties. The agreement between theoretical and experimental drag data (Figures

86b, ¢, d) 1is satisfactory, except for the higher values of Cp,, near the trail-

ing edge which were probably caused by shock interference. Figures 86b, ¢, d
include numerical values for the crossflow Reynolds number; they exceeded the
value of 250 in the rear portion of the wing. The streamwise component of the
boundary layer was rather stable. Rbss//Rc ~ 0.3 for x/¢c > 0.6, so that

Ry ~ 1350 at R, ~ 20 x 10°,
SS

The second calculation at M = 2.5 was conducted at a suction dis-
tribution typical for the second tests (Figure 87a). The agreement of the
experimental drag coefficients with the theoretical values is good at

Re = 13.5 x 106 (Figure 87b); the experimental values of Cp,, are 40 to 50

percent higher than the theoretical data at R = 21.0 x 100 (Figure 87c).
Crossflow Reynolds numbers with laminar flow stayed below 200.
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(F) Comparison of Test Results with Theory (continued)

The nearly constant suction distribution at M = 3.0 (Figure 88a)
agreed with the experimental data presented in Figure 88b, except that suction |
was lower by nearly 20 percent in the third and fourth suction chambers. The

experimental wake drag coefficient at R, = 13.0 x 106 increased rapidly over the

last 10 percent of chord. The maximum crossflow Reynolds number with laminar
flow was of the order of 130,

The second suction distribution at M = 3.0 (Figure 89a) was I
typical for the second tests -- high suction in front, low in the rear. At

Ro = 25.5 % 106, it produced crossflow Reynolds numbers which increased from
Rg,1 = 140 at x/c = 0.7 to Rg,) = 280 at x/c = 1.0. The measured wake drag

coefficients were 30 to 50 percent higher than the theoretical values. The :
experimental and theoretical boundary layer velocity profiles for this case !
are shown in Figure 91, The two profiles agree at x = 32.8 inches except for
a small thickening near the outer edge (u/U > 0.95); the experimental profile

at x = 37.8 inches deviates more from the theoretical profile at velocity ratios
u/U > 0,8,

At M = 3.5, the experimental values of Cp, were eabout 50 percent

higher than the theoretical values (Figure 90b). The crossflow Reynolds number
increased from Ry, ; = 190 at x/c = 0.7 to Ry, | = 315 at x/c = 1.0. The stream-

wise boundary layer component is quite stable, Rbss = 1200 at x/c = 1.0 and
Re = 20.2 x 105,

The high wake drag coefficients at M = 3.0 and 3.5 ana
R, = 20 x 106 (Figures 89b and 90b) occurred at crossflow Reynolds numbers

[\

near 300. This might lead to the conclusion that the crossflow stability limit
was exceeded by a large margin. Since Figures 86b to d showed good agreement
between theory and experiment up to Rg,| ~ 250, this value should be considered

as an upper limit of the crossflow Reynolds number near the trailing edge of
the wing.

For a few cases, the thickness of the sucked layer was computed
and compared with the actual slot width. At M = 3.5 the slot widths were about
2.2 to 2.5 times larger than the thicknesses of the sucked layer. Apparently,
with the low values for the slot flow Reynolds number,* no disturbances developed
at the slot inlets which afiected the stability of the boundary layer flow. The
high suction quantities in the front half of the model which were required to
maintain laminar flow at M = 2.5 and 3.0 (typical suction distrivutions arc
inclulded in Figures 87a and 8Ya) resulted in a ratio of slot width to thickness
of the sucked layer of the order of 3.0. 1t is possible that at lower suction
quantities, the discrepancy between slot width and thickress of the sucked

*The slot flow Reynolds number, Ry, is defined by the slot width, the average
intlow velocity into the slot and the wall density and viscosity. Its value at
M = 3.5 was always below 30. Flow separation effects are not expected to become
serious before Ko exceeds a value of ~ 120,




(F) Comparison of Test Results with Theory (continued)

entrance caused major disturbances to the boundary layer flow. The assumption
that the flow did not attach to the slot walls is confirmed by the fact that
considerably higher pressure losses through the skin were measured than was com=
puted under the assumption that the sucked air filled the slots uniformly,

_ layer might have been so large that the separation of the sucked air at the slot

The slots of the modified suction arrangement were built so wide
. in order to reduce the pressure losses through the skin and to provide adequate
suction quantities, especially for the tests at M = 3.5. Probably, these slot
widths were too wide for tests at optimum suction distributions and the lower
Mach numbers where smaller volumes of air have to be sucked through the slots,

(G) Determination of Suction and Drag Coefficients of
l Untapered Swept Wings in Compressible Flow

The suction and drag coefficients of an untapered swept wing shall
be referred to quantities measured in flow direction, such as undisturbed velocity
Qo and chord length ¢ (Figure 75). The local suction coefficient of the kth

chamber, which is located between the chordwise stations xf§ and xﬁ*l and has an

&

average span b& (measured perpendicular and parallel to the leading edge) is
defined by
i
+1
‘h - =—1-[ w 0, dx’
Wk pQag ¢ by ~ bl b & @t
II where v, is the continuous inflow velocity through the skin, Py = wall density,
bye = blc'. The total suction coefficient per unit span is equal to
1
p.. v
¢y, =T ¢y =] F2al
e t % k : P W c
s o
The suction drag coefficient of the kth chamber is defined as
o 2
2 Dsk Nsk .
C = =C, (1 + —l
Dg ] W,
ko e.Q, bkc MU T,
le where Hgk is defined by the static pressure Ps. 1inside the Kt suction chamber:
g k
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(G) Determination of Suction and Drag Coefficients of
Untapered Swept Wings in Compressible Flow (continued)

It is assumed that the air from the k™! chamber is compressed to ambient pressure
P, and accelerated to freestream velocity Q.. The total suction drag coefficient

is given by

5 k Sk

The wake drag Dy is defined as the momentum loss of the external

air, Its value for a two-dimensional swept wing in incompressible flow has been
derived in Reference 69, The same procedure can be applied to compressible flow.
The momentum loss of the air in a spanwise section of width b' (s - Figure 75)
is determined by

bt ®
Dw ='[ dy! J QU[(UQ - u) cosb® + (V, = ) sinf ] dz,
(o] [}

where the integrations have to be carried out far enough downstream of the wing.
The wake drag coefficient Cp,, is equal to

2D b ® U. - u Vo, = u
Cn = . 2 [ dy! f LE (=2 cos® + — sinf)dz
Dw meg btet btet .o _0 mem Qa: Q‘”
8 6
= ELl-[ Bu_ (1 . M) cosd8 dz + [ PU_ (1 - V) cos® sinZ® dz (1)
<t 4 P, U ) e v
o (o]
E oY

i
Irs

2 lr pu u 2 [‘ pu v 2.
=c ! o (1 - Up) cos & dz + ! sl (1 - V:) sin‘s dz

O
(Mote that b' = b/cos®, ¢! = ¢ cos”, b'c! = be,)

The following displacement and momentum thicknesses can be defined
on a swept wing (the subscript 1 refers to the conditions at the outer edge of
the boundary layer):

"

: Pu ; pv
I¥] = - mp— d \S = 1 - —d
w=) AR v (g
(o] (8]
' _ | ou v
S N Lty
J 1 O 1
“472-
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(G) Determination of Suction and Drag Coefficients of
Untapered Swept Wings in Compressible Flow (continued)

Then Equation (1) can be written as
Cp,, = % [(8uu)e 052 + (Syy),, 5in26] (2)

The subscript « has been added to indicate that the values of the momentum thick-
nesses have to be evaluated infinitely far downstream,

The relations between the momentum thickness at infinity and at
the trailing edge of the wing can be obtained in the usual way from the momentum
equations of a swept wing in compressible flow, which can be written (Reference
112)in the form

d 2 du _
EQ'(QIU Suud + 03U, ax' 2

d

since there is no friction aft of the trailing edge. Integrating these equations
between the trailing edge and infinity results in

)
Hy + 2 - 95 M2

& ¢ Ut:e Q
( uu)m = (u“u)te (Ti: (3)
(pqU)
5 = e (s
e 4)
Use has been made of the relations
d 2 8

1 9P M du u
o— S & e U — d } = .

A TL R U

The bar on top of the exponent in Equation (3) means the average value of the
expression between the trailing edge and infinity, Q2 = y? + V2, Vv =V, = const,
M = Q/a. Introducing Equations (3) and (4) into (2) leads to

D T2
U
I, +2 - —
e =28y (lre a? cos2s 4 —telte (6y) sinze} (5)
Dy 7 ¢ ulee MO Pl Vulte
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(G) Determination of Suction and Drag Coefficients of
Untapered Swept Wings in Compressible Flow (continued)

This expression can be simplified by utilizing the fact that
the potential flow velocity at the trailing edge is only a few percent higher
than the freestream velocity, so that only the first-order terms of

have to be considered. This leads to the following approximate relations:

2 2 2
= Qte - Qu sin 6 follows

rh
r
e
=
c
ot
o
|

2 2
(Et_e) __1 (Qte) sin’6 _ 120 sin® _ 27

Uy cosze 2 cos26 cos?d cos?s
U L
te
U = 1 + COSZG (66.)

el el
g8 [t
(D

]
—

—

[}

|—<

N s

—
N

—
—
4OI¢O
B |t

[0
~——

[}

—
g
| I

<
1
—

Q

—
oo
—
L]0
B |er

(4]
~—
N

L

:/
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(5b)

The Mach number ratio at the trailing edge is related to the velocity ratio
in the form

/ 2
Qe fEE l_:;4£E§
QL Mo 1 + .2M
te
2
2 (QEQ)
or Mtl.‘ Q:x: 1:" 2’:“ 2
M— - 2 &, 2 = ] + 2‘“ (1 + CZMCD)
= 1 - .2 ((85-‘-) - 1) Lo ol 1
; %
Mte

1+ (1240 7 (6c)

Equations (6a) and (6¢) can be used to determine
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(G) Determination of Suction and Drag Coefficients of
Untapered Swept Wings in Compressible Flow (continued)

Uy, U, Qe Queoss (1 + —T]zg) M. \—_1 + (1 + 2M3>>-\ cosd

te _ cos
ate Us e Qe 1+
_ I 1 2 )}
= My cosf {1 + T E;;Zg +1 + .,2M7 - 1
U 1 +.2 2 c 29
£ - M_ cosd (1 + M°2° == n) (6d)
8te cos 9
Later in the derivation the following quantities will be used:
V) Um tand tans / T )
= = — - — (6e)
(U - Uie s 7 tanod \1 cose e
co34t Q 2
t
Q2sin’s (1 - (——9\ )
Qoo ! 2
= -27T tan' & (6£f)

<V2 - 2sin26> =
2
u te

Evaluation of the exponent of Upa/Uy in Equation (3) requires an estimate for
the expression H;, = §,/6yy. On a straight wing (Reference 123) it is assumed
that the flow becomes turbulent aft of the last suction slot so that the value
of H is taken as that of a flat plate at the local Mach number M. In case of
a swep’. wing, the additional assumption is made that the u and v components of
the boundary layer are similar, u/U = v/V; this was confirmed with sufficient
accuracy by laminar boundary layer calculations on thin swept wings with super-
sonic leading edges up to 50° sweep. Since the compressibility correction for
the displacement and momentum thickness depend only on the density, which is a
function of the resultant velocity, the resultant Mach number and not the com-
ponent in chordwise direction has to be taken for estimates of 5, and §yy.*
Therefore, the same expressions can be used for H, which were developed in
Reference 123:

2
(E£§> Qicosz6
U

(H)). = 1.29 + 0.44 M2 = 1.00 + 0.40 M2.

wre (H,)

te’ u’®

Introducing the first-order terms of Equations (6a) through (6f) result in

5 2
T | 1 2 - 1 (8 15
Hy + 2 - 2 2 (Hu)cc MEIAL VDI S a')tu T2 (az)r

*This formulation was suggested by J. Goldsmith, Norair Boundary Layer
Research Section.
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(G) Determination of Suction end Drag Coefficients of Untapered
Swept Wings in Compressible Flow (continued)

f 2 1 2
--;-11.29-& MMGZ, (L+21(1 + .2n,.)]} +5(1+ h Mg) + 2
- -1.»13, c0529 01 +-2-T-1—- (1 4+ .2 Mg, cosze)] - -;- Mz, c0329
2 cos0
= 3,145 - ,58 Mg cos20 + .42 Mg 8in?0 + () 1
2
U
2 - =
v, Mt )
(=L2) 8% 1 +(3.145 - .58 M2 cos26 + .42 M2 sin20) —1_
U cos?®
Prelee 1 2
——a] 4 - M2 T
Pl c0528
Introducing these expressions into Equation (5) provides
o2 2
an = {(6uu)te cos“6 + (6W)te sin?0
+ T] L(3'145 - +58 Muza 00529 + 042 rﬁ 81“29) (6uu)te (7)

+ (1= 1 cos®) (5, tan07}

This expression has to be modified since §,, and 8§, cannot be

measured direccly, The streamlines at the outer edge of the boundary layer and
their normals are introduced now as new ccordinates and the local boundary layer
velocity components u and v are transformed to s and n (see Figure 75) by means
of the relations

U v v
§ ®E s U=V N=e=yu+—v
Q Q "’ Q

The boundary layer thicknesses in these new directions are defined as follows
(see Ref 'ence 45; note that the present notation is different from that of
Reference ¢
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(G) Determination of Suction and Drag Coefficients of
Untapered Swept Wings in Compressible Flow (continued)

5
5, = [ (1 - 85)dz 8, = [ oo g,
s n
: P Q 4 PqQ
1 0 Py
) 8 5 )
5 =f_9§_(1-_5.)dz 8 =I ons_ 4, 8 =fon -
ss ns nn ~
2 PR Q 2 0102 5 0102

The following relations exist between the different boundary layer thicknesses:

2
_ \Y \Y \Y
6uu = 6ss +'ﬁ (6ns = 6n) +'E 6ns - 3 6nn (8a)
0]
bamy = O Y (s 6 Us 5 b
vu ¥ Vss +'ﬁ (Bps = ) - 7 ‘ns + Onn (8b)

o cos?0 + S vu sin’ = 8ss +'% (8ns = &n)

V2 - Qz Sinze (6
U2

nn T § ns) (8c)

The theoretical boundary layer calculations on the present cone-
figuration at Mach numbers between 2,5 and 3.5 showed the following orders of
magnitude:

Sng = bn < 0,02 bgg

ns Snn < 0,001 844

8ns < 0.06 8 (8d)

Since the factor of (b,, - % Shs) in Equation (8c) is small -- of the order of

7 (see Equation 6f) =« Equation (8c) can be approximated by
2 e 20 L
(5uu)te cos“0 + (6V“)te sin® = §g¢

(éuu)tc and (éuv)te occur separately in Equation (7) as factors of 7. Introducing

the approximate values of Equation (8d) into (8a) and (8b) shows that (éuu)te and
(Euv? deviate from & g by small quantities. In first-order approximation there-

te S
fore (:uu)te " = (:SS)te T, and
2
. 3 “gs . 2. 2. -
Chp = 7o 1 +(3.145 + tan"s - 0.58 M)T] (9)
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(G) Detemmination of Suction and Drag Coefficients of
Untapered Swept Wings in Compressible Flow (continued)

where

Since the streamline direction at the trailing edge deviates from the freestream
direction only by a few degrees (the angle is proportional to T), the boundary

layer rake in flow direction determines the value of 6gg with sufficient accuracy.

Since the measured streamwise boundary layer velocity profiles
near the wing trailing edge of the model deviated from the theoretical ones by
a certain amount, as was discussed in Part (F), it is possible that the order
of magnitude of the crossflow boundary layer quantities 6,, 8,9, &pn is differ-
ent from the theoretical estimates mentioned above, But it is expected that
they remain small enough so that the accuracy of Equation (9) is not affected.

(H) Evaluation of Wake, Suction and Total Drag Coefficients at
an Arbitrary Chordwise Station from Theoretical Boundary
Layer Calculations

The boundary layer calculations were conducted at a certain total
suction coefficient, defined by

1

Cy JR. = [ £ d X

Wt C . 0 c
(o]

At an arbitrary station x < ci

(o) /e
= t = 1 * &
th(x) 0Qe8%  x/c /Re | £5 d c
0

The wake drag coefficient is defined by

2Dy, (x) _ 2655(x) (x)
Cp,, () S 1+ (95;_ - 1) £ (,8)]

£(M,,3) = 3.145 + tan?® - 0,58 M2

& (x)
The boundary layer integration program (Reference 45) provides égs(x) = =2

/kc;

therefore

-478-

b v+ st st ot en il & e N .




L %

(H) Evaluation of Wake, Suction and Total Drag Coefficients at
an Arbitrary Chordwise Station from Theoretical Boundary
Layer Calculations (continued)

G, () = 88 (14 Q- 1) £ (1,0)]

w x/c /R

The suction drag coefficient CDS is proportional to th. An average factor
was evaluated from the present tests, The curves of CDs vs th in Figures

76 to 82 can be approximated by

ch(x) = cwt(x) (1 + 100 M, cwt(x)].

Finally,

C = Cn (x C
Dt(x) D, ) + Ds(x)

The local crossflow Reynolds number Ry,1 is obtained from the
value Ry ll/kc,which is tabulated in the boundary layer integration program,

(1) Conclusion

Low drag boundarv layer suction experiments on a 36° swept wing
of 3-percent biconvex cross section (perpendicular to the leading edge) pro-
vided the following results:

(1) Laminar flow was maintained up to the highest possible
Reynolds numbers: R = 17 x 10 at M = 2,5, R =.25 x 10° at M = 3.0, and
R =20 x 100 at M = 3,5,

(2) The minimum total drag coefficients measured near the trail-
ing edge of the wing (x = .97 ¢) were close to twice the friction coefficient of
a flat plate at M = 2,5 and 3.5 and about 2.4 times Cg at M = 3,0.

lam plate

(3) Op*imum total suction coefficients were below 3.0 x 10-%

at M = 205, near aoo X 10-“ at M = 300 and near 300 X 10-4 at M = 3050

(4) The theoretical laminar bourdary layer development at typi-
cal suction distributions provided crossflow Reynclds numbers near the trailing
edge up to 250 with laminar flow and values up to around 300 with low total
drag coefficients.
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(1) Conclusion (continued)
(5) The model was sensitive to suction, Two surfaces with dif-

ferent slot widths were tested. The narrow slots (first tests) provided better
results at M = 2,5; the wider slots (second tests) were better at M = 3.5,
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b. BOUNDARY LAYER TRANSITION MEASUREMENTS ON SWEPT WINGS AT
SUPERSONIC SPEEDS

E. E. Groth

(A) Summary

Boundary layer transition measurements were conducted in AEDC
Tunnel E-1 on two-dimensional swept wings of 24, 36 and 50° sweep at Mach num-
bers between 2.5 and 5.0. Two models were built; one had a 3-percent-thick
biconvex section, and the other section was a combination of a straight wedge
with a biconvex section. The test results showed a strong dependence on the
leading edge bluntness, The measured reduction of transition length Reynolds
number due to sweep was of the same order as obtained on blunt flat plate models
from earlier NASA measurements. The effect of the two different airfoil sections
on transition was negligible.

(B) Notation

c wing chord in flow direction, ¢ = 9.45 (in,)
cosp

X lengthwise coordinate measured in f£low direction

X distance to transition

Q local resultant potential flow velocity

Qe freestream velocity

8 momentum thickness in streamline direction

(1)
Re = Q./vys unit Reynolds number
(1)
Rp = xgR, ', transition Reynolds number
Re = 6Q/v, momentum thickness Reynolds number

Ro.1 = npex0,1/vs crossflow Reynolds number
Npax maximum crossflow velocity

0.1 height in boundary layer where crossflow velocity
nes OQIl‘max

A sweep angle

(C) Introduction
The available information on boundary layer transition on swept

wings at supersonic speeds is rather small. A few tests conducted on flat swept
surfaces (References 113 & 114) showed a reduction of the transition Reynolds
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(C) Introduction (continued)

number with increasing sweep angle. A theoretical analysis (References 114 and
115) confirmed this trend by computing the local flow conditions aft of the
detached shock wave which develops ahead of the blunt leading edge of a swert
wing. An additional reduction of the transition Reynolds numbers on swept wings
seemed to be caused by the boundary layer crossflow at the blunt leading edge.
Since any curved airfoil section on a swept wing causes additional crossflow
components along the whole wing chord, a wind tunnel program was conducted at
AEDC Tunnel E-1 for the purpose of investigating the effect of two different
ajirfoil sections on boundary layer transition at various sweep angles and Mach
numbers.

(D) Description of the Model and Its Instrumentation

Since the original purpose of the tests was to provide boundary
layer transition data for the 36° swept suction wing (Chapter C-a above), the
model had the same cross section as this suction wing. The upper surface was
a 3-percent~-thick biconvex section; the lower surface was flat with an 11.84°
bevel angle at the leading edge (both values measured perpendicular to the lead-
ing edge). The sides of the model were cut off in such a way that the model
could be rotated about its central mounting sting to any sweep angle between 24
and 50°,

In order to investigate the effect of crossflow on boundary layer
transition, a second model of the same planform and a modified airfoil section
was built. The second model had a straight wedge section over the first 17 per-
cent chord, followed by a biconvex section of slightly larger curvature to match
the total thickness ratio of the first model. The actual coordinates of the two
sections are defined by the following equations:

Biconvex Section Modified Section
y = 0,06 x (1 -~ x) y = 0,045 x 0 s x < 0.16667
y = 0.0675 [x(1 -~ x) -~ 0,02778] 0.16667 < x < 0,83333
y = 0,045 (1 - x) 0.83333 < x < 1.00

The coordinates x and y are made nondimensional by the chord length (c = 9.45
inches, measured perpendicular to the leading edge).

Since the bottom surface had a steeper slope than the upper side
near the leading edge, it was considered possible that the unsymmetric flow field
near the leading edge at zerc degree angle of attack might affect the boundary
layer development on the test surface. Arrangements were therefore made to test
both models at angles of attack at which the pressures on the top and bottom sur-
faces were equal near the leading edge. This angle was o = -4.20° for the bicon-
vex section and -4.63° for the modified one, both angles measured perpendicular
to the leading edge.

Transition was measured with a movable total head probe. For the
observation of possible spanwise effects, three probe heads were mounted on a
holding fixture and moved simultaneously along the wing. The position of the
probe heads was adjustable in chord and spanwise directions. Pressure trans-
ducers were located inside the hcusings close to the probe tips so that the time
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(D) Description of the Model and Its Instrumentation (continued)

lag of the pressure readings could be neglected. Reference pressures for the
transducers could be provided by a total head probe outside the boundary layer
or by some outside source, such as tunnel freestream static pressure or vacuum.
Since the moving mechanism for the probes was located in a fixed position in the
center of the tunnel, the individual probe heads had to be built in such a way
that they could follow the curved wing surface at both angles of attack. The
probes were held against the surface by a magnet. The heads were movable around
a pivot point, and the height above the surface was self-adjusted by a shaft
mounted in ballbearings. The moving mechanism was available from previous, simi-
lar tests conducted by ARO, Inc. (Reference 116),

The model was equipped with three rows of static pressure orifices
for checking the surface pressure distribution. A surface spray suitable for
blowdown tunnel operation was developed at ARO and used as an alternate method
for detecting transition.

Two sketches of the model, its instrumentation and its mounting in
the tunnel are presented in Figures 92 and 93, two photographs in Figures 94
and 95. The shapes of the biconvex and modified airfoil sections are compared
in Figure 96; the selected spanwise stations for the three probe heads at
the three sweep angles of 24, 36 and 50° are shown in Figure 97.

(E) Results of the Transition Measurements

A complete description of the tests, the recording and evaluation
of the transition traces from the pitot probes and the test results are presented
by S. R. Pate, project engineer at ARO, Inc., in Reference 9]. Since the report
was not available in time to be included in this place, some of the test results
are submitted and discussed in this chapter.

Figures 98 to 100 present the transition Reynolds numbers RT vs
freestream unit Reynolds number R&l) per inch for the three sweep angles of 24,
36 and 50° and Mach numbers 3.0 and 4.0 and the two airfoil sections. Ry is
defined by

RT = xp Ril) = :T—Q°°
Vo

where xy and Q, are measured in flow direction. Station xT is defined as the

beginning of transition, i.e., the point where the chordwise trace of the total
pressure near the surface starts to deviate from its trend in laminar flow (for
details see Reference 91). The local Reynolds number at station xT was not much

different from the freestream or 50 percent chord value at o = 0°; the largest

discrepancy occurred at the stagnation point where Rgéign was less than 10 per-

cent larger than R&l) for the sweep angles and Mach numbers under consideration.

All measurements show a spanwise variation of transition; the
upstream portion of the swept wing had larger transition lengths than the down-

stream portion. The increase of transition Reynolds number with Rgl) is linear

in log-log scale, except for a few data at 50° sweep. The exponent n in
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(E) Results of the Transition Measurements (continued)

P
RT ~ [Rm ]

varied with the test condition; it is plotted versus sweep angle in Figure 101
for the three cases presented in Figures 98 tol00. At A = 24 and 36°, the
values of n scattered around the value of 0.5, which occurred frequently at
flat plate measurements; n was considerably lower at A = 50°.

The variation of RT with Mach number (Figures 98 and 99) was

small; slightly lower values were recorded at M = 4.0 than at 3.0. Reference
116 shows nearly constant Ry values on a hollow cylinder in this Mach range.

The modification of the airfoil section (Figures 98 and 100) had practically
no effect on transition at M = 3.0,

The effect of sweep is shown in Figures 102 to 104, where Ry is
plotted versus \ for the three cases of Figures 98 to 100 at two values of the

unit Reynolds number, Ril) = 0.3 and 0.6 x 105, Included for comparison are the

(R'r)A
(
RT) A.o

a leading edge thickness of b = 0,005 inch. The values of Ry for zero sweep were

selected so that the curves from Reference 114 matched the present test results
obtained with probe number 1. The variation of RT with sweep angle of the pres-

ent test program agrees rather well with the measurements of Reference ll4.

results of Reference 114 where was plotted versus A for a swept plate with

The exact values of the leading edge thicknesses of the present
models were checked by ARO personnel and the following values were obtained:

Near Probe Biconvex Model Modified Section

1 0.0060 0.0065
2 0.0070 0.0070
3 0.0080 0.0075-0.0080

The spanwise variation of Ry measured in the present test program
can be explained by this spanwise increase in leading edge thickness, b. The
increase of b has two consequences: (1) (RT)A_O increases with sweep (e.g.,
References 114 & 116), although it might be negligible at R, = bkil) ~ 3000 and
the rather large bevel angles (Figure 24, Page 66 of Reference 116); (2) the

(R'r)A

Rp o

to this reference, RT is reduced at M = 3,0 by about 5 percent at A = 24°, by

24 percent at A = 36° and by 33 percent at A = 50°, when the leading edge thick-
ness 18 increased from the value 0.005 to 0.007 inch. The present test points
of Figures 102 to 104 agree with these reductions fairly well.

ratio decreases with increasing b, as shown in Reference l114. According
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(E) Results of the Transition Measurements (continued)

The present tests seem to prove that boundary layer transition on
a svept wing with supersonic leading edge is primarily determined by the bluntness
of the leading edge. The crossflow which develops at the rounded nose has a
stronger influence on transition than the crossflow resulting from the pressure
distribution over the airfoil section.

This fact seems to be in agreement with the results of theoretical
laminar boundary layer calculations which were conducted at M = 3,0, A = 24, 36
and 50° for wings with infinitely sharp leading edges. The basic results of the
calculation, the crossflow Reynolds number Ry, ) and the streamwise momentum thick-

ness Reynolds number Rg, both divided by /R, where ¢ 18 the reference chord length

» in flow direction, are plotted in Figure 105 for the three sweep angles. Intro-
‘ ducing the chord length of the present tests

£ cs= ﬁ (1“.)

5 results in crossflow and momentum thickness Reynolds numbers which are plotted
versus unit Reynolds number Ril) per inch in Figures 106 to 108 for the three

sweep angles. The test results from probe 1 (Figure 98) are included, too. It
follows from these curves that the experimental transition locations occurred at
the following values of Ry | and Rg:

L
®
‘s

A
(deg) Ro.1 Eﬁ
24 160-140 800~1100
36 140-120 700-1000 |
. 50 120-80 650-800 .

The first values of Rp ] and Rg occur at low unit Reynolds numbers [R,(,“ ~ 0.3 x 106),
the second values at RE!? ~ 0.8 x 10, The values of Ry, and Ry for A = 24°

L might be high enough to cause transition; at A = 36° and A = 50° the additional
crossflow contribution from the blunt leading edge seems to be necessary to cause L
transition.

(F) Conclusjons

Boundary layer ttahsition measurements on swept wings at supersonic

- speeds provided the following results: s
. (1) The transition Reynolds number Ry = xTRil), vhere xp and
Ral) are determined in freestream direction, is reduced with increasing sweep
angle. The amount of the reduction depends primarily on the bluntness of the
leading edge. The effect of the airfoil section is of secondary order. [

(2) The transition Reynolds number increases with unit Reynolds
number; the amount of the increase becomes smaller with increasing sweep angle.
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(F) Conclusions (continued)

o (3) The variation of Ry with Mach number is small.

i (4) Theoretical boundary layer calculations on models with
L infinitely sharp leading edges provide crossflow Reynolds numbers and momentum
thickness Reynolds numbers at the measured transition stations which seem to be
too small for causing transition. This confirms the predominance of the leading
edge thickness on transition. :

me
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CHAPTER D. INVESTIGATION OF LAMINAR FLOW CONTROL AIRFOILS SWEPT BEHIND THE
MACH ANGLE

a. LOW DRAG BOUNDARY LAYER SUCTION EXPERIMENTS ON A 72° SWEPT WING
MODEL AT MACH NUMBER 2,0 AND 2,25

J. Goldsmith

(A) Summary

An investigation was made to determine the effectiveness of
combining the advantages of laminar suction with sweepback in excess of the
Mach angle for the purpose of obtaining low drags on supersonic airfoils.

This initial investigation was limited to that portion of a wing over which

the flow could be considered two-dimensional in nature, i.e,, the region where
the flow field was similar to that of an infinite swept airfoil. Calculation
of the drags for such an airfoil indicated encouragingly low drags and a wind
tunnel model simulating a long swept airfoil was designed for Mach 2,0 and
tested at Mach 2,0 and 2.25 in order to confirm the results of the calculations.
Although the measured total drags were somewhat higher than the calculated
values, they were respectably low (Cp_ < l.4 x 1072 at C, = 0.068) for upper
wing surface only, and it is cleair that laminar flow is possible for super-
sonic wings swept behind the Mach cone. The approximate lift coefficient of
0.068 was determined from measured pressures on the upper surface and an esti-
mated lower surface pressure distribution. Its value was less than predicted,
but there is no indication that it could not be increased to a Cp, = 0.09 or
better by increasing the angle of attack or design camber of the airfoil.
Calculations indicated that the airfoil would be supercritical (supersonic
velocity component perpendicular to the leading edge) at Mach 2.25, but because
the lift coefficient was lower than predicted the measured flow was everywhere
subcritical at this higher Mach Number, and the measured total drag coefficients
(Cp, < 1.6 x 1073) indicated laminar flow.

(B) Notation

a velocity of sound
c wing chord measured parallel to flow direction (¢ = 33 in.)
c' wing chord measured perpendicular to leading edge

(c' = 10 in,)

d suction metering hole diameter

Cp drag coefficient

CDs equivalent suction drag coefficient

CDt total drag coefficient

CDw wake drag coefficient

CL lift coefficient

C'L lift coefficient based on flow perpendicular to leading edge
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Cw suction mass flow coefficient

e exponent for use in wake drag correction (defined in Part M)
p

£5 =Pwf /R
Po Qn

£ suction velocity at airfoil surface for (equivalent) con-

tinuous suction

F chordwise momentum thickness factor (defined in Part M)
Fy spanwise momentum thickness factor (defined in Part M)
{ Hy boundary layer shape facter for the u component profile
Hy = 8u/8y
ki, limit constant for empirical wake crossflow correction
ko constant for empirical wake correction that determines slope

* =
at Sss/KS 0

kg factor to make wake correction independant of (V/U)ye
M Mach number
' n boundary layer velocity component perpendicular to potential
. @ flow direction
noax maximum boundary layer crossflow velocity
P pressure
E Ap pressure decrement with respect to P, (&P =P_ - P)
q resultant boundary layer velocity
Qe dynamic pressure at infinity (q,k = ;wQZ/Z)
Q resultant potential flow velocity
b Re airfoil Reynolds number (R, = Q, c/V)

Rg.1 crossflow Reynolds number (RO.1 = Npax 20.1/Y))

s boundary layer velocity component in streamwise direction
(parallel to Q)

st perpendicular distance alorg airfoil surface from airfeil
leading edge

u boundary layer velocity component perpendicular to leading edge

AU velocity increment relative to freestream velocity (AU = U - U,)
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potential flow velocity component parallel to leading
edge (V = V)

boundary layer velocity component parallel to leading edge

slot width

chordwise distance in streamwise direction

chordwise distance perpendicular to leading edge

spanwise coordinate perpendicular to streamwise direction
spanwise coordinate parallel to leading edgze

distance perpendicular to airfoil surface or vertical coordinate

boundary layer height to point where n = 0.1 n,,, (largest
distance)
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3 Subscripts
_ a corresponding stagnation condition for isentropic compression
4 c corrected for crossflow in wake
1
E i incompressible
n based on n component of velocity
-
E. r based on resultant local velocity ﬂ
] based on s component of velocity
u uncorrected for crossflow in wake or based on u-component
. of velocity ?
v based on v component of velocity
= freestream conditions at infinity
L 1 outer edge of the boundary layer P~
te trailing edge of airfoil
w at wall or airfoil surface
. .'. (c) Introduction °
——— ®
Although the application of laminar flow control (or,
briefly, LFC) at supersonic speeds is still in its infancy, sufficient work has
been done to show that significant reductions in skin friction are clearly possi- ;
ble. 1t is well known, however, that the proportion of friction drag to total ;
drag is generally lower at supersonic velocity than at subsonic velocity. The ®

overall drag improvement obtained by reduction of skin friction as a single
improvement is necessarily lower, therefore, in supersonic flows. There is an
associate advantage, however, which makes the application of suction particularly
attractive at supersonic speeds; namely, the wing area can be increased by a
considerable factor without appreciably increasing the zero 1ift drag of the
complete airplane. This can result in a lower wing loading, greater wing span, ®
or an airfoil with lower percent thickness (for a given span) or a combination

of all three. In such cases the increase in wing area can result in reduced wave

drag due to lift or thickness.

If sweep in excess of the Mach angle is incorporated in the
design of a supersonic wing, the =zero lift wvave drag c: be completely eliminated ™
along the portion of the span where the flow may be considered of a two-dimensional
nature. The advantages of sweep as u« single element for drag reduction must be
viewed with caution, however, since the aspect ratio is necessarily low for highly
swept wings, and the reduced wave drag may be offset by increases in induced drae
unless the wing loading is correspondingly reduced. Stated in ancther way, the
span must remain essentially constant for constant induced drag So that the L)
lower aspect ratio associated with high sweep angies leads to a larger wing area
if the induced drag is to remain the same, This 1:quired increase in wetted area
makes the application of laminar flow control especlally profitable for highly
swept wings.,
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(C) Introduction (continued)

The drag reductions due to sweep also depend on the thrust
due to so~called ''leading edge suction.' In practice, it is not always easy to
achieve this leading edge suction on highly swept wings, primarily because of
separation near the leading edge. The application of laminar flow control to
highly swept wings requires heavy suction in the leading edge region. This suc~
tion, combined with a typical laminar flow pressure distribution, might
reasonably be expected to prevent any tendency toward leading edge separation.

The combination of high sweep angles and LFC, therefore,
is expected to be doubly potent as a means of reducing the drag at supersonic
speeds. In addition, the conversion of energy to shock waves is theoretically
reduced so that this design combination could very well be a partial solution to
the very important problem of sonic boom.

This report describes an investigation of laminar flow control
for airfoils swept behind the Mach cone. This initial investigation was
concerned primarily with the basic characteristics of infinite swept airfoils
which have all isobars parallel to the leading and trailing edges of the airfoil.
The infinite swept wing bears the same relation to an actual finite swept wing
as the two=dimensional airfoil does to a finite straight wing., It represents
2 lirmirine condition which the performance of the finite wing may approach but
never quite reaches due to root and tip cffects. Thc finite wing and associated
three~dimensional effecis are to be covered in a tuture investigation, but in the
present progiam it was desired to avoid the three-dimensional difficulties that
occur at the ends of a swept wing panel and to concentrate on determining the
basic characteristics of an infinite laminar suction airfoil swept in excess of
the Mach angle,

The investigation began with a brief study of the require~
ments of the suction airfoil swept behind the Mach cone. This study was primarily
for the purpose of determining the probable desired sweep angles, lifi coefficients,
and other airfoil characteristics. Since the airfoil requirements were unusuai,
a special airfoil shape was developed for use on highly swept wings. The drag
was then estimated for such an airfoil, assuming continuous laminar suction was
applied, and the results were found to compare favorably to those of a straight
biconvex suction airfoil when allowance was made for the fact that the swept air-
foil had no wave drag. Finally, a wind tunnel model was designed, built and
tested to verify the possibility of obtaining low drags. The infinite two-
dimensional flow characteristics of the airfoil model were simulated by mounting
a tinite length wing on a plate which was contoured in such a manner that its
pressure field duplicated the pressure field generated by a forward extension
of the airfoil section., Additional description of the model is given in the
succeeding sections.

(D) Sweep Characteristics - Requirements for Shockless Flow

For finite span airfoils which have sufficient sweep so that
none of the flow components exceed sonic velocity in the plane perpendicular to
the isobars, it is possible to derive certain relations which are nearly exact.
These relations are subject only to the degree of approximation encountered in
the derivation of the well~known supersonic flow equations or in tables such as
given in reference 117, The relations for infinite swept wings are quite simple
because the component of velocity along the span is constant, and velocity and
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(D) Sweep Characteristics - Requirements for Shockless Flow
(continued)

pressure changes occur only in the chordwise direction. In addition, if the
chordwise component of veiocity remains subsonic, shocks will not form even

though the resultant of the spanwise and chordwise components is supersonic.,

The charts in Figures 109, 110, and 11l show the limits for shockless flow for
infinite span swept wings at various frzestream Mach numbers. The points in these
figures represent the condition where the chordwise component of velocity is
exactly equal to the local velocity of sound. The distinction between the Mach
number of the airstream at infinity (M,) and the local resultant Mach number

(My) should be carefully noted. The results are plotted with M as the independent
variable since this is the parameter from which the remainirng variables are

most easily determined. The subscript "a" refers to adiabatic (also isentropic)
stagnation conditions.

Two thirgs, in particular, should be noted from Inspection
of these charts, The first is that there are limiting values for local Mach
number (M_) and pressure decrement ratio (AP/P.,) for shockless flow at each
freestream Mach number, This limit, of course, corresponds to the case of ninety
degrees of sweep., The second is that the slope of the pressure decrement ratio
curves is less for high Mach numbers than for low Mach numbers; consequently,
at higher Mach numbers a greater increment in sweep angle (in excess of the
Mach angle) is required to compensate for a fixed increment in pressure due to
airfoil thickness or 1ift changes, The 1ift of the airfoil is limited, there-
fore, i1f full advantage of the sweep effects is to be taken. It is because of
this limitation that the wing loadings for airplanes employing highly swept wings
will necessarily be low. This of course, makes LFC especially advantagecis.

It is recognized that it may be more economical sometimes to
permit slightly supersonic chordwise components of velocity at the higher speeds,
but the calculation of the limitations becomes cousiderably more complicated
under these circumstances., Also, LFC has a better chance of working in a
shockless airstream, The design procedure, therefore, was to use the calculated
critical velocity as given in the figures as the design criterion.

(E) Compressibility Corrections

The design of an airfoil shape for highly swept wings and the
calculation of the airstream boundaries which simulate an infinite extension
of a finite length wing depend upon the calculation of a two-dimensional potential
flow field about the airfoil section taken in the chordwise direction (perpendicu-
lar to the iscbars on the swept airfoil). These calculations are easily performed
with the aid of currently available automatic computer programs for the case of
incompressible flow (Reference 118), The component of freestream velocity perpen-
dicular to the isobars for wings swept past the Mach cone would be expected to
correspond to a two-dimensional Mach number (M ) in the category of 0.5 to 0.8.

Such values exceed the range in which the flow may be considered incompressible,
and an appiopriate compressibility correction must be chosen from the various
theoretical or empirical corrections available, The constant spanwise component
of velocity can be completely ignored in this correction, so that the correction
proceeds on the basis of the velocities and Mach numbers as observed in the
plane that 1s perpendicular to the leading and trailing edges of the wing.
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(E) Compressibility Corrections (continued)

Some of the well-known compressibility corrections at M, = 0.6
are shown in Figure 113 together with a modified Gothert correction which will
be described shortly, It is seen that the variation of the AU/Us for the
various methods becomes considerable as the compressible velocity approaches
the velocity of sound. The correction at this point is used to determine the
maximum permissible incompressible velocity ratio (U/U,) that is permitted in
the airfoil design, Since it is very desirable to have subcritical flow (two-
dimensional component) on a laminar flow wing, the Spreiter and Alksne correction
(reference 119) was employed to determine the maximum incompressible velocity
ratio for the subject airfoil.

For the calculztion of the outer field near the airfoil, how-
ever, other factors come into play, so that it is not convenient to use the
Spreiter and Alksne correction for this purpose. The chosen compressibility
correction must meet certain requirements if it is to be incorporated in the
currently available computer programs for calculation of the flow field past
an airfoil:

(1) The accuracy of the velocity correction must be acceptable
throughout the complete velocity range from zero to nearly sonic velocity
(corrected value).

(2) There must be a unique solution of the correction corresponding
to any incompressible velocity -« even those that correspond to supersonic com-
pressible velocities.

(3) The correction must account for changes in velocity and
streamline pattern in the outer field as well as local velocity on the airfoil
surface.

The compressibility correction of Spreiter and Alksne (Reference 119)
has three drawbacks which eliminate it as the proper choice for this program:

(1) the correction becomes indeterminant for certain values of
AU4/U. due to an infinite slope for the correction curve.

(2) the correction does not account for the change of slope
of the streamlines; and

(3) zero incompressible velocity does not give zero compressible
velocity (although Spreiter's correction is closer than others in this respect).

The well-known Karman-Tsien correction eliminates the first objection given above,
but the other two objections are still present., The Gothert compressibility cor-
rection (Reference 120) accounts for the changes in slope of the streamlines,
but otherwise is nothing more than an extension of the very simple linear correc-
tion of Prandtli., The changes in slope of the streamlines is made consistent
with the velocity and 1ift changes by first transforming the airfoil to a new
airfoil with vertical coordinates and angle of attack multiplied by the factor

1l - M°ywe The streamlines and velocities are determined for this thinner air-
foil, and the resulting flow field is then transformed back to the original
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(E) Compressibility Corrections (continued)

airfoil configuration. In this second transformation the velocity increments

as determined for the thin airfoil are increased by the factor 1/(1 - M Uw) or

1/v1 - Mzu°° more than the straight Frandtl correction, This accounts for the

use of the factor v1 - M2u°° in the abscissa when the G&thert correction is
compared with other methods.

In order to r=et the three correction requirements cited pre-
viously the GSthert correction was chosen as a basic correction and an adjust-
ment function was added to the correction resulting in a modified GGthert
correction. The choice of the Gothert correction came about chiefly because
it accounts for streamline slopes as well as velocities. The adjustment
function is shown in Figure 113. It is a parabolic function with MzuG/(l - Mzum)
assigned as the proportionality constant so that the total modified correction
passes through -1.0, -1.0 (Figure 113); i.e., so that zero incompressible
velocity results in zero compressible velocity. This adjustment results in
improved accuracy near the stagnation points and avoids the occurrence of
negative velocities which would cause difficulty in the computer programs.,

The adjustment is negligible when AU/U; = 0 and this is clearly desirable since
the v-- .- fied correction is accurate for small increments. In the region of
large _ative values of AU/Ui the modified G&thert correction is more accurate
than the unmodified version since it tends to give results more closely in
agreement with the more accurate Spreiter-Alksne or Karman-Tsien corrections.
Comparison is shown with the former of these.

(F) Airfoil Characteristics

It is well known that the characteristics of a swept airfoil
are such that the airfoil responds to the component of velocity that is
perpendicular to the leading and trailing edges of the airfoil., Also, the
cross sectional shape of the airfoil taken in the corresponding perpendicular
plane is the shape that is significant. The design of the airfoil shape may be
treated, therefore, as though the flow field were two-dimensional, having a
freestream velocity equal to Us. Due to the high sweep angles needed at super-
sonic velocity, however, the airfoil requirements are found to be unusual when
compared to an unswept airfoil. In addition, the application of laminar flow
control results in added restrictions and since the well-known conventional air-
foil shapes do not meet these requirements or restrictions, an airfoil shape was¢
developed to satisfy the special requirements of the highly swept LFC airfoil.

The development of this special airfoil shape was done by trial
and error, utilizing the calculation procedure described in Reference 118,
This calculation is a modified version of Theodorsen's airfoil calculation given
in Reference 80. The resulting airfoil shape and its incompressible velocity
distributions at various incompressible lift coefficients are shown in Figure 1i4.
The angle between the airfoil surfaces at the trailing edge is seen to be
relatively large. This feature provided adequate internal volume in this region
at full-scale dimensions so that suction ducts could be installed. The second
special feature is that concave curvature was eliminated except for a small
region on the airfoil undersurface near the trailing edge. This feature is
helpful in stabilizing the laminar boundary layer. The airfoil section is 10%
thick in the two-dimensional plane. This is relatively thick for a high speed
airfoil, but has the advantage of adequate internal volume for suction ducts.
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