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IRMOID TION 0
0

This document contains reproductions of technical papers presented
at the NACA Conference on Helicopters held at the Langley Aeronautical
Laboratory May 12 and 13, 1954. The primary purpose of this conference
was to convey to the military services, their contractors, and others

* concerned with the design of helicopters the results of NACA research 0
on helicopters and to provide those attending an opportunity to discuss
the results.

The papers in this document are in the same form in which they were
presented at the conference in order to facilitate their prompt distri-

* bution. The original presentation and this record are considered as
complementary to, rather than as substitutes for, the Committee's more
complete and formal reports.

A list of the conferees is included.
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AIRFOIL SECTION CHARACTERISTICS AT HIGH ANGLES OF ATTACK C

By Laurence K. Loftin, Jr.

Langley Aeronautical Laboratory

SSIMARY 0

Information from the literature and from recent investigations is
used herein to summarize briefly the effects of airfoil section parameters
and flow variables on the aerodynamic characteristics of two-dimensional
symmetrical airfoils at high angles of attack. The results presented 0
indicate that airfoil thickness ratio, Reynolds number, Mach number, and
surface roughness can all have an important effect on the maximum lift
coefficient. The effect of surface roughness seems to be particularly
important. Not only can surface roughness cause large decreases in maxi-
mum lift coefficient, but also the magnitudes of the effects of Reynolds
number, Mach number, and airfoil thickness ratio are much reduced by sur- 0
face roughness. Beyond the stall, changes in section thickness ratio
appear to have little effect on the aerodynamic characteristics of air-
foil sections. An investigation of one section through an angle-of-
attack range of from 00 to 3600 shows that the drag coefficient reaches
a value of 2 at an angle of attack of 900.

0

INTRODUCTION

The present paper is concerned with certain aspects of the behavior
of airfoil sections at high angles of attack with particular emphasis on 0
the needs of the helicopter designer. The state of our knowledge of the
effects of several airfoil design parameters and flow variables on the
maximum lift coefficient will be summarized first. This summary will be
limited to symmetrical airfoils operating in the range of Mach number
below O.l4 and is based on information which has been in the literature
for a number of years (refs. 1 to 4). Some of the trends shown by recent 0
investigations of the lift, drag, and pitching-moment characteristics of
airfoil sections in the angle-of-attack range well beyond the stall will
then be presented. The investigations leading to these results were
made in response to a need of the designer for airfoil characteristics
corresponding to conditions on the retreating blade of a high-speed
helicopter and are only partially reported at the present time (ref-. 5)- •

0
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SYMBOLS

4O
c airfoil chord

Cd section drag coefficient

c I section lift coefficient 0

c X  maximum section lift coefficient

M Mach number

4 R Reynolds number

t maxim- thickness of airfoil section

XCp center-of-pressure position, percent c

aC angle of attack, deg

RESULTS AND DISCUSSION

The nature of the effects of airfoil thickness, leading-edge surface
condition, and Reynolds number on the maximum lift coefficient is shown
in figure 1 for a Mach number of about 0.15. The maximum lift coefficient
is plotted on the ordinate and the airfoil thickness is on the abscissa.
The curves shown are based on results contained in references 1 to 3 for
NACA 63-series and 64-series thickness forms. These particular thickness 0
forms were chosen for discussion because their characteristics are thought
to represent a good compromise between various desirable qualities at both
high and low speeds. The trends in figure 1, however, may be considered
typical of other symmetrical thickness forms having reasonably large
leading-edge radii, such as, for example, thickness forms of the NACA

4 4-digit-series family. The solid lines are for airfoils with smooth sur- 0
faces and the dotted lines are for airfoils with roughened leading edges.
The smooth condition referred to here is one in which the contour of the
model is held very close to the specified ordinates and the surface is
kept completely free of all dust, dirt, lint, paint blisters, and other
disturbances which can be felt or seen. The rough surface condition is
one in which the leading edge of the 24-inch-chord model is covered with 0
O.Oll-inch-diameter carborundum grains. The two surface conditions are
thought to represent about the best and the worst that could be obtained
in practice.

g • • •• • •
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The trend of maximum lift with thickness shown in figure 1 for smooth

sections at a Reynolds number of 6.0 x 106 is characterized by a large 0
increase in maximum lift coefficient with airfoil thickness in the range
of thickness between 6 and 12 percent. A gradual decrease in maximum
lift is noted as the thickness is increased to 18 percent. Somewhat the

same trend is evidenced by the results at a Reynolds number of 20 x 106
except for the continued increase in maximum lift as the thickness is

* increased to 18 percent. A very large reduction in the maximum lift of S
most of the airfoils is noted as the Reynolds number is reduced from
6.o x 106 to 1.0 x 106, with the result that increases in airfoil thick-
ness have a very much reduced effect on the maximum lift coefficient at

a Reynolds number of 1.0 x 106 in comparison with 6.0 x 106. The trends

* shown for Reynolds numbers of 1.0 x 106 and 20.0 x 106 may be thought of 0
as limits, in that variations in Reynolds number outside of this range
would be expected to have only a small effect on the maximum lift coeffi-

cient. The results for a Reynolds number of 6.0 x 106 indicate that,
for airfoils in the thickness range between 9 and 15 percent, the major
portion of the scale effect takes place between Reynolds numbers of 0

1.0 X 106 and 6.0 x 106; whereas, for airfoils outside this range of
thickness, variations in Reynolds number above 6.0 x lO6 cause increases
in maximum lift which may be significant. In any case, the exact shape
of the curve of maximum lift coefficient against Reynolds number varies
with airfoil section design. Fortunately, however, sufficient airfoil •

* section data are available so that, by proper interpolation and compari-
son, a reasonable estimate can be made of the maximum lift coefficient
corresponding to some particular Reynolds number.

A comparison of the data at a Reynolds number of 6.0 x 106 for the
airfoils with rough and smooth surfaces indicates that leading-edge rough- 0
ness can cause a very large reduction in maximum lift. The magnitude of
the effect is greatest for thickness ratios of the order of 12 percent
of the chord, is somewhat reduced for the larger thickness ratios, and
is negligible for a thickness ratio of 6 percent of the chord. As a
result, increasing thickness is relatively much less powerful as a means
of increasing the maximum lift of airfoils in the rough surface condi- 0
tion than in the smooth surface condition. Leading-edge roughness is
seen to have only a small effect on maximum lift for a Reynolds number
of 1.0 x 106. This small effect would be expected since the values of
the maximum lift coefficient for the smooth condition at this Reynolds
number are approaching the flat-plate value. Comparison of the results

0. for Reynolds numbers of 1.0 x 106 and 6.0 x 106 indicates that the scale
effect is relatively small for airfoils in the rough surface condition.
This is also the case for Reynolds numbers higher than 6.0 x 106 as is
shown by results in reference 3 for a 9-percent-thick section for which

0
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increasing the Reynolds number from 6.0 x 106 to 25.0 x 1o6 caused no
change in the maximum lift coefficient for the rough surface condition.

Some indication of the effect of small increases in Mach number on
the maximum lift coefficient can be obtained from data in reference 4 pre-
sented here in figure 2. The maximum lift coefficient is plotted against
Mach number for Mach numbers from 0.1 to 0.4i and for a constant Reynolds
number of 6.0 x 106. The airfoils are of 6-, 10-, and 15-percent thick-
ness. The 10- and 15-percent-thick sections have approximately I percent
camber whereas the 6-percent-thick section is symmetrical. Direct com-
parisons of the maximum lift coefficients of the 6-percent-thick section
with those of the 10- and 15-percent-thick sections should not, there-
fore, be made. The results shown in this figure indicate rather large
reductions in the maximum lift of smooth sections to accompany increases
in Mach number from 0.1 to 0.4, at least for the 10- and 15-percent-thick
sections. The Mach number has no effect on the maximum lift of the6-percent-thick section except for the small rise at Mach number 0.2.
In the rough surface condition, the Mach number has been found to have
little effect on the maximum lift coefficient.

The trends shown in figures 1 and 2 indicate that airfoil thickness,
Reynolds number, Mach number, and surface roughness can all have an impor-
tant effect on the maximum lift coefficient. The effect of surface rough-
ness seems to be particularly important. Not only can surface roughness
cause large decreases in maximum lift coefficient, but also the magnitudes
of the effects of Reynolds number, Mach number, and airfoil thickness
ratio are much reduced by surface roughness. Thus, in a sense, severe
surface roughness may tend to simplify airfoil selection problems. In
view of the magnitude of the effect of surface condition, a means for
estimating the nature of the surface condition of a rotor blade in rela-
tion to the smooth and rough leading-edge conditions employed in wind-
tunnel investigations seems particularly important. Since this problem
involves not only methods of blade construction and fabrication, but
also the extent to which bugs and dirt have accumulated on the leading
edge, general rules are difficult to formulate. It seems significant,
however, that investigations of several rotors on the Langley helicopter
test tower have yielded results which could be reproduced by calculations
employing airfoil section maximum lift coefficients corresponding to the
rough leading-edge condition.

With this brief summary of the maximum-lift problem, some of the
trends shown by the more recent results obtained on airfoils at high
angles of attack will be discussed. Six symmetrical airfoils of the
NACA 64-series family were investigated through an angle-of-attack range
extending from 0o to 300. The airfoil thickness varied from 6 to 18 per-
cent of the chord. In addition, an NACA 0012 section was tested. Although
measurements were made at several subsonic Mach numbers, the trends to be

0S
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shown are for a Mach number of 0.5 and my be considered typical of all
the results obtained.

0
The lift characteristics of the seven airfoils are shown in figure 3

in which the lift coefficient is plotted against angle of attack. The

data are for a Reynolds number of 1.3 x 106 and a smooth surface condition.
After the first peak in the lift coefficient, which is usually defined as
the maximum lift coefficient, all the airfoils are characterized by a 0
drop in lift after which the lift again increases with angle of attack.
The important trend indicated by these results is that, after an angle
of attack of about 140 to 160, the lift characteristics of all the air-
foils tend to look very much alike. Although some differences are seen
in the curves for the various airfoils, these differences are not thought
to be particularly important because of the relatively small values of 0
the dynamic pressure which exist in the vicinity of the retreating blade
on a helicopter. As would be expected on the basis of the results shown
in figures 1 and 2, the maximum amount of the difference in maximum lift
shown by all of the airfoils is only about 0.2. At higher Reynolds num-
bers and lower Mach numbers, the differences in the maximum lift coeffi-
cients of the airfoils would, of course, become larger. Beyond the stall, 0
however, it is thought that the curves shown here can be interpreted in
terms of lift results at higher Reynolds numbers. For example, if the
maximum lift coefficient were 1.4 and this lift coefficient occurred at
an angle of attack of 150, the data shown in figure 3 would be expected
to correspond to those at the higher Reynolds number for angles of attack
above 180 or 190. The addition of leading-edge roughness was found to 0
have little effect on the lift characteristics of the airfoils beyond
the stall.

The chordwise position of the center of pressure is shown plotted
against angle of attack for the seven airfoils in figure 4. The center
of pressure is seen to shift from about the 25-percent-chord station to 0
about the 43-percent-chord station as the airfoil passes from the unstalled
to the stalled condition. The angle of attack at which this transition
begins varies with the airfoil section and corresponds to the angle at
which the lift curve starts to bend preceding the attainment of maximum
lift. Beyond the stall, however, there appears to be little effect of
airfoil section thickness on the position of the center of pressure, nor 0
does the center of pressure shift very much with angle of attack.

The section drag coefficient is plotted against angle of attack in
figure 5 for the seven airfoil sections. Again the obvious conclusion
is that variations in airfoil thickness have little effect on the drag
beyond the stall. 0

Relatively large portions of the retreating blade on a high-speed
helicopter may be operating at angles of attack in the range between 0o

,0 0 0 0 0 0 0
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and 1800. In order to provide some indication of the characteristics of
an airfoil section through such an angle-of-attack range, the NACA 0012
section has been tested through an angle-of-attack range extending from

00 to 3600. The Reynolds number of these tests was about 2.0 x 106 and
the Mach number was no greater than 0.15. The lift and drag character-
istics obtained are plotted against angle of attack in figure 6. The
high value of the drag at an angle of attack of 900 is to be noted.
This value of 2.0 checks the value of 2.0 given by Wieselsberger in refer- 0
ence 6 for a two-dimensional flat plate perpendicular to the wind. These
same German results show a marked effect of aspect ratio on the drag at
an angle of attack of 900. For example, the drag coefficient of an
aspect-ratio-20 flat plate is shown to be about 1.48 in comparison with
the two-dimensional value of 2.0. This result emphasized a basic ques-
tion as to how two-dimensional data should be applied to a rotating wing 0
for those cases in which the flow over one surface is characterized by
extensive regions of separation. Unfortunately, little information
dealing with this problem is available at present.

CONCLUDING REMARKS 0

The results presented indicate that airfoil thickness ratio, Reynolds
number, Mach number, and surface roughness can all have an important
effect on the maximum lift coefficient. The effect of surface roughness
seems to be particularly important. Not only can surface roughness cause 0
large decreases in maximum lift coefficient, but also the magnitudes of
the effects of Reynolds number, Mach number, and airfoil thickness ratio
are much reduced by surface roughness. Beyond the stall, changes in sec-
tion thickness ratio appear to have little effect on the aerodynamic
characteristics of the airfoil sections. The high value of the drag
coefficient obtained with an airfoil section at an angle of attack of 900 0
is in agreement with the value of 2 given in the literature for an infi-
nite flat plate inclined normal to the flow; the marked effect of aspect
ratio on the drag at an angle of attack of 900 emphasizes the question
as to how two-dimensional data should be applied to a rotating wing on
which extensive regions of separation are present.
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AIRFOIL SECTION CHARACTERISTICS AT TRANSONIC SPEEDS

By W. F. Lindsey I
Langley Aeronautical Laboratory

The tip Mach numbers for the rotor blades of high-performance
helicopters now being considered extend into the lower supersonic range. 0
The designer is thus concerned with the effects of blade-profile shape
parameters on the aerodynamic characteristics and the variation of those
characteristics throughout the speed range, from low speed through sonic
and into the supersonic range. The purpose of this paper is to summarize
present information on the variation of aerodynamic characteristics of
two-dimensional profiles in the transonic Mach number range from about 0
0.7 to 1.5.

Before the data are sumarized, however, the existence of numerical
discrepancies between available data from different facilities is dis-
cussed. One factor is the difference in minimum drag coefficient, which
is dependent upon Reynolds number, extent of laminar flow on the profile, 0
model-surface condition, and the turbulence level in the tunnel. These
differences can be reduced, however, by examining the data on the basis
of pressure-drag coefficients, that is, the drag coefficient minus the
skin-friction drag, which will be done in this paper. The factor however
that contributes most to the discrepancies between facilities, particu-
larly in the transonic or mixed-flow region, is usually the Jet-boundary 0
effects. One of the greatest difficulties in correctly assessing the
true values of coefficients in the transonic speed range is the lack of
an established standard of comparison. The only methods available at
present are interpolation, extrapolation, and careful comparison with
other results. A careful comparison of a multitude of available two-
dimensional-airfoil data from various sources (refs. 1 to 18) has shown 0
that, while differences exist in the numerical values of coefficients
from the different facilities, all sources show the same trends in lift,
drag, and pitching-moment characteristics as affected by changes in
thickness, camber, and shape or thickness distribution.

Pressure-drag coefficients at zero lift on two 12-percent-thick 0
profiles tested under different conditions are presented in figure 1.
Tests on both profiles were made in a closed-throat tunnel on models of
different sizes and corresponding changes in model-chord to tunnel-height
ratio c/h are shown. The closed-throat tunnel has been the source of
by far the largest part of two-dimensional-airfoll data. The data in
this figure have been corrected, using the accepted methods of correcting 0
for Jet-boundary conditions (ref. 19). It is obvious that these test
results are inadequately corrected at the higher test Mach numbers. If
the model-chord to tunnel-height ratio had been smaller, requiring the

.
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corrections for Jet-boundary effects to be smaller, the corrected values
would approach more closely a true value.

In order to avoid the choking restriction of a closed-throat tunnel,
the open-throat tunnel was developed which permitted data to be obtained
at indicated Mach numbers up to 1. The results of an investigation from
an open-throat tunnel showing the effects of thickness, camber, and shape
are available from an investigation by Daley and Dick (ref. 13). It is
apparent from tests on the NACA 6 1 A012 airfoil that these uncorrected 0

data are subject to jet-boundary effects, and in the opposite direction
from the closed-throat-tunnel results. Whereas the corrections are
adequately defined for the purely subsonic flow regime (refs. 20 and 21),
they are inadequately substantiated for the high subsonic Mach numbers,
especially those near I where the theoretical corrections approached
infinity. 0

In order to avoid the Mach number limitations of the closed- and
open-throat tunnels, and to minimize the jet-boundary effects (refs. 22
and 23), transonic tunnels have been developed recently to permit inves-
tigations to be conducted at Mach numbers continuously through 1 and into
the supersonic range. Unfortunately, conditions have not permitted 0
thorough investigations to be conducted on two-dimensional airfoils in
these modern tunnels, although a facility is under construction specifi-
cally designed for two-dimensional-airfoil investigations through the
transonic speed range. There is, however, some information from a very
recent test on an MACA 0012 airfoil in a transonic or slotted-throat
tunnel. The drag results from that investigation are shown in figure 1. 0
A comparison of the data with the closed- and open-throat-tunnel data
indicates that the values are probably of the correct order. Since the
only source of information on the effects of profile variables on the
aerodynamic characteristics of airfoils at Mach numbers in the range
from 0.9 to 1.0 Is from the open-throat-tunnel data (ref. 13), the sub-
sonic part of the present paper will be based upon that data. As previ- 0
ously stated, while numerical discrepancies between data from various
facilities are known to exist and have been pointed out, it is also known
that the trends of all the data from the various sources are in agree-
ment; therefore, the effects of profile variables that will be discussed
can be considered as the general effects of many investigations.

In order to provide some background on the changes in the aerody-

namic characteristics in the transonic speed range, schlieren photo-
graphs of the flow have been selected for a 9-percent-thick airfoil
which is representative of thick airfoils (ref. 15). Figure 2 shows
the flow pictures with superimposed pressure-distribution diagrams. At
a Mach number of 0.79, the upper-surface shock is near the 50-percent- 0
chord station. This locatioi of the shock produces a large region of
low pressures on the forward part of the profile. At a Mach number of
0.87, where the shock is more rearwardly located, separation is occurring .0
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on the profile. At this Mach number the lower-surface shock is also
starting to make its appearance and, simultaneously, the pressures on
the lower surface are rapidly decreasing, which produces an opposing load.
An increase in Mach number to 0.94 produces an increase in the suction
pressures on the lower surface and, with the lower-surface shock located
downstream of the upper-surface shock, a reverse load occurs on the rear
of the airfoil. An examination of these pressure distributions at Mach
numbers up to 0.94 shows that there has been a continuous decrease in
load near the leading edge, a result of a decrease in upwash and circu-
lation produced by the limitation imposed on the forward propagation of
pressures by the supersonic-flow regions. At a Mach number of 1, shocks
from both surfaces are near the trailing edge. The load distribution
has approached a rectangular form, as opposed to the triangular loading
at low speeds, and relatively stable conditions exist. Further increase
in speed will produce only small changes in the character of the flow,
as evidenced by figure 3, which shows similar data at a Mach number of
1.25. The pressure distribution for this figure was determined from the
loading due to lift from reference 24 and the zero-lift pressure distri-
bution computed by the method of reference 25. At this Mach number the
bow wave is detached from the model and a mixed-flow region still exists.
Further increase in speed would cause the bow wave to approach the leading 0
edge.

The primary profile shape factors of airfoils are thickness, thick-
ness distribution, and camber. Of these factors, tests at high subsonic
speeds have shown that thickness is the most important variable, insofar
as its effects on aerodynamic characteristics are concerned (refs. 1 *
to 18). Thickness distribution, or shape changes of a given thickness
within reasonable limits, is a second-order effect in that shape changes
can produce an improvement in the characteristics in some operating
ranges although losses might occur in other ranges (refs. 2, 3, 9 to 13,
16, and 18). Differences between profiles of different thickness dis-
tribution in comparison with thickness effects are quite small. Camber 0
(refs. 1, 5, 4, 5, 7, 8, 11; 13, 15, and 17) and thickness are similar
insofar as their effects on maximum I/d are concerned. The effects of
camber on lift-curve slopes are small. However, the changes in angle of
zero lift that occur for cambered sections at low transonic speeds would
require significant changes in angle of attack to maintain a given lift
and thus are comparable to the effect of increasing thickness on 0
decreasing lift-curve slope. The effects of camber on changes in
pitching-moment characteristics are in large measure dependent on the
shape of the camber line (refs. 5 and 18). Since thickness is a primary
factor affecting the characteristics through the Mach number range from
0.7 to 1.5, this discussion will be confined principally to the effects
of thickness. •

The variation in pressure drag-coefficient at zero lift for profiles
of various thicknesses is presented in figure 4. For the speed range

0
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covered, and extending downward toward zero Mach number, the pressure-

drag coefficient can be expressed as Cdp = k(c.)n. At very low speeds,

cdp is approximately zero and n can be taken as approximately zero.

At transonic speeds, particularly speeds near Mach number 1, the expo-
nent n is, from the transonic similarity law (refs. 26 and 27), five-
thirds. In the supersonic speed range the exponent becomes 2 (ref. 28).
This exponential relation, however, holds only if the profile has a
reasonable shape.

The variation of drag with thickness at Mach number 1 and also at a
Mach number of 1.44 will be examined to determine what constitutes a
reasonable shape. Figure 5 shows pressure-drag variation with thickness
at Mach number 1. It is noted that the NACA 64A-series profiles in fig-

ure 4 form a curve that can be represented by cdp = 3.7(c)5/3. A cor-

relation of the characteristics of 22 rectangular wings of symmetrical
profile and various aspect ratios by McDevitt (ref. 29) indicated, by
the use of the transonic similarity laws for the minimum pressure-drag
coefficient, that the extrapolated values for two-dimensional flow would

be 3.5(' 5/, which is in very close agreement with the NACA 64A-series

result. Some small variation in k with change in family might be
expected (see ref. 24). The work of Guderley and Yoshihara (ref. 30)
indicated that the drag of a wedge profile varies in accordance with

4. & thus producing a higher drag than the round-nose profile. 0

Figure 5 also shows that larger shape changes, for example, the slab
profile having cylindrical leading and trailing edges extrapolated from
an investigation at the University of Michigan (ref. 31), have a drag
variation that is directly proportional to thickness. Unpublished data
from the Langley 4- by 19-inch semiopen tunnel of a 2-percent-thick pro-
file having the same section are in agreement with the tests at the
University of Michigan. The tests in the Langley 4- by 19-inch semiopen
tunnel show that a reduction in bluntness from a cylinder to a 10:1 ellipse
produces a large reduction in drag. It is of interest to note that the
drag of a cylindrical-leading-edge profile varies in accordance with an
assumption that stagnation pressure exists forward of the thickness and
stream static exists on the after part. This variation is of necessity 0
a linear variation of drag with thickness ratio.

Similar data for Mach number 1.44 are presented in figure 6. At
this speed the wedge profile has the least drag and it is approximately
three-fourths of that for the circular-arc. Experimental data from an
investigation by Czarnecki and Mueller (ref. 32) extrapolated to somewhat S
lower Mach numbers are shown in agreement with the theoretical drag.
Contrary to the trends at Mach number 1, where the round-nose profiles
provided less drag than the wedge, the results of an investigation by
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Rainey (ref. 25) on a round-nose 9-percent-thick profile at supersonic
speeds show higher drags than those for either circular-arc or wedge.
The increase in drag was shown in reference 25 to be a direct result of

the large region of high pressure encountered on the leading edge of the

profile. Similar effects of bluntness are exhibited by the investigation
of reference 31 for circular-arc profiles having somewhat blunt leading
and trailing edges. The radii were equal to one-tenth of the thickness-
chord ratio. Further blunting of the profile, or divergence from a rea-
sonable shape (to 200 included angle, to 400 included angle, to cylindri- 0
cal), caused large increases in drag and the drag variation with thickness
approached a linear variation. (H2 is stagnation pressure behind a normal
shock.) Similar effects were noted in the investigation by Busemann
and Walchner (ref. 33) and by Holder and Chinneck (ref. 54).

Figures 5 and 6 show that the exponential variation of drag with
thickness holds for reasonably shaped profiles and that what constitutes
a reasonable shape can change as the Mach number is increased from 1
into the purely supersonic range.

The effects of thickness on pressure drag of reasonably shaped pro-
4 files are presented in figure 5 which shows that the Mach number at

which the drag starts rising increases as the thickness ratio is decreased.
This variation is in accordance with an earlier formation of shock on the
thick profiles than on the thin ones, and the rise in drag is directly
attributable to the formation and growth of compression shocks. This
figure also presents a comparison of the data from a semiopen tunnel

4 (ref. 13) with the results from drop tests of an NACA 65-series wing •
having an aspect ratio of 7.6 and thicknesses of 6, 9, and 12 percent
(ref. 35). The correspondence of the test results from the two sources
indicates good agreement, especially since previous tests on effects of

aspect ratio (refs. 36 to 39) have indicated that for finite-span wings
the Mach number for drag rise would be delayed to higher Mach numbers

* and that the peak drag would be alleviated. 0

At supersonic speeds theoretical values are presented for both wedge
and circular-arc profiles. As previously stated, the wedge profile has
about three-fourths of the drag of a circular-arc of the same thickness.
Furthermore, the included angle of the wedge is smaller and shock attach-

* ment occurs at a lower Mach number. The Mach numbers for shock attachment S
are indicated by the ticks on the curves. The extension of the drag curves
to Mach numbers below the ticks is necessarily hypothetical.

The manner of transition from Mach number 1 into the supersonic
range would be dependent principally upon the leading-edge shape. Pre-

* sumably, the drag of a round-nose profile would exceed that theoretically •
predicted for either the wedge or circular-arc profile for the same thick-
ness ratio and would only approach the theoretical value at high supersonic

Mach numbers; whereas, the wedge profile would closely approach the theo-
retical drag at a Mach number near the Mach number for shock attachment.

•
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These results are for a lift coefficient of zero. At a higher lift
coefficient, if the drag followed the usually assumed parabolic variation
with lift, that is, the increment in drag is proportional to the square
of the lift coefficient, the low-transonic drag pattern would be shifted
to higher drag coefficients. The transonic similarity law, on the other
hand, indicates that the increment in drag due to lift is proportional
to the product of the lift coefficient squared and the thickness to the
1/3 power. This would produce increases in drag that were larger for
the thick profile than for the thin. Experiment, however, shows that
both approaches are approximations only and that neither approach is
correct. The experimentally determined differences due to thickness at
an increased lift coefficient are shifted to somewhat lower Mach numbers
and the spread from thick to thin airfoil is decreased. The effect of
angle of attack or lift coefficient in increasing the velocities on a
profile at low speeds is dependent upon thickness, the thinner the pro-
file the larger the increment in velocity near the leading edge for a
given change in angle of attack or lift coefficient. As a consequence,
the differences in the Mach number for shock formation as affected by
thickness are reduced and the differences in drag rise are correspond-
ingly reduced. Thus, at higher lift coefficients the relative effects
of thickness would be somewhat less than shown for zero lift.

The lift-curve slopes for airfoils of various thicknesses are shown
in figure 7 as a function of Mach number. The solid curves in the sub-
sonic Mach number range were obtained at a lift coefficient of 0.2. Wherea
an examination of the data (ref. 13) at lift coefficients frm 0 to 0.2
revealed no appreciable nonlinearities for the thin (4 and 6 percent)
profiles, the thicker profiles did exhibit considerable nonlinearity at
Mach numbers around 0.9. Since it was believed that this nonlinear
variation would be of interest, the region is indicated by including a
curve for lift-curve slope at zero lift. It is noted that the extent of
nonlinearity diminishes with a reduction in thickness. As in the case
of the minimum drag coefficients shown in figure 4, the Mach number at •

4 which the lift-curve slope starts decreasing increases as the thickness
is decreased. This behavior is in accord with the manner and growth of
shocks and the relative movements of the shocks on the two surfaces of
the airfoils. The continued rearward movement of the shock on the thin
profile with no appreciable changes in flow on the lower surface results
in a continued increase in lift and lift-curve slope to some maximum 0

4 value at a high Mach number. On the thick profiles, however, the rapid
growth of the shock on the lower surface and its rapid rearward movement,
combined with the stoppage of shock movement on the upper surface, which
was assisted by the occurrence of separation, produced a reversal in
load, contributing to a rapid drop-off in the lift and consequent drop-
off in the lift-curve slope. The erratic behavior of the lift, particu- S

4 larly for the thicker profiles, precludes lift-curve-slope correlation
with similarity laws. A similar limitation was observed by McDevitt in
correlating a series of rectangular wings, using the transonic similarity
laws (ref. 29).
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At supersonic speeds, the theoretical lift-curve slope is independ-
ent of thickness. Some comparisons with preliminary results (refs. 40

* to 42) have indicated fair agreement. At Mach numbers above 1.5, experi-
mental results by Czarnecki and Mueller (ref. 32) and Rainey (ref. 25)
on both round-nose and sharp-nose profiles are in reasonably good agree-
ment with theory and indicate that lift-curve slope is much less sensi-
tive to shock attachment than is drag.

* The maximum lift-drag ratios are presented in figure 8. At low Mach 0
numbers the maximum lift-drag ratio increases with thickness. With
increase in Mach number, however, a change occurs which follows from the
previously discussed lift and drag variations and demonstrated flow con-
ditions. The change is a decrease in the maximum lift-drag ratio with
increase in thickness. At Mach numbers near 1 the lift-drag ratio varies
in accordance with the transonic similarity law, which states that the •
product of thickness and lift-drag ratio is a constant. At supersonic
speeds, the same trends are retained, as indicated by theory. These
theoretical values do include an estimated skin-friction drag and result
in some small variation in lift-drag ratio with Mach number.

The center-of-pressure positions of these airfoils at a lift coef- 0
ficient of approximately 0.2 are shown in figure 9. The previously
observed large variations in characteristics on the thicker profiles are
still evident in the center-of-pressure shifts for the 9- and 12-percent-
thick airfoils at Mach numbers around 0.9 and above. The large forward
shifts in center of pressure are due entirely to the rapid growth and

4 rearward movement of shocks on the lower surface and are accentuated by 0
the deceleration in the rearward movement of the upper-surface shock.
The combination of effects produces the load reversals shown in figure 2
and the forward location of the center of pressure. At supersonic speeds
second-order theory, which has been used throughout this discussion,
shows a small consistent effect of thickness, that is, a decrease in

* thickness causes a rearward movement of the center of pressure. Linear •
theory, essentially for very small disturbances, estimates a center-of-
pressure location at 50 percent chord.

Results have been presented to show the variation in aerodynamic
characteristics of airfoils through the transonic and into the supersonic

4 speed range. The data indicated that erratic variations occurred in the 0
low transonic speed range and, where comparisons were available at tran-
sonic and supersonic speeds, theory and experiment were in good agree-
ment. The results, however, were for two-dimensional flows; whereas,
for helicopter applications a three-dimensional flow exists. The flow
is further complicated by having Mach number gradients along the-radius

* of the blade and at transonic speeds the independence of blade elements 0
from adjacent elements cannot be assumed. Cross flows will occur and
adjacent elements will exert mutual influences. These effects have been
observed in propeller tests. In the simple case of a rectangular wing,

* 0
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tests have shown (refs. 36 to 39) that the overall magnitude of the
changes will be reduced as a result of the relieving effect of the flow
around the wing tip; also, the Mach number at which changes occur will 0
be delayed to somewhat higher Mach numbers. The overall general behavior,
and the effects of thickness on this behavior, however, are retained, even
for an aspect ratio as low as 4.
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REVIEW OF INFORMATION ON INDUCED FLOW OF A LIFTING ROTOR

By Alfred Gessow

Langley Aeronautical Laboratory

SUtMARY

A brief review of the available information relating to induced
flow of a lifting rotor is presented. The available material is suma-
rized in a table as to flight condition, type of information, source,
and the reference papers in which the data can be found. Some representa-
tive aspects of some of the reference material are discussed. 0

INTRODUCTION

A knowledge of the inflow distribution through and about a lifting
rotor is required in almost all fields of helicopter analysis. Precise,
detailed information on the subject is meager, however, because of the
rather formidable difficulties involved in measuring or calculating rotor
downwash accurately. Fortunately, a superficial estimate of the inflow
distribution has proven adequate for many types of helicopter analyses
and a fair amount of general information, both theoretical and experimen-
tal, is available on the subject. In view of the stimulation of interest
in rotor induced flow brought about by the current emphasis on loads,
stability and control, and the expanded use of multirotor configurations,
it is considered desirable to review such information.

SYMBOLS 0

CT thrust coefficient, T

XR~p (nR) 2

r radial distance to blade element, ft

R blade radius, ft

T rotor thrust, lb

v induced inflow velocity at rotor, always positive, fps

V true airspeed of helicopter along flight path, fps or mph

0

00 0 0 0
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32 0

Z vertical distance from plane perpendicular to rotor shaft, positive
upward, ft

4 . rotor angle of attack; angle between projection in plane of symmetry •
of axis of no feathering and line perpendicular to flight path,
positive when axis is pointing rearward, radians

e downwash angle induced by rotor, radians

0
4 9 tip-speed ratio, V cos (X

QR

p mass density of air, slugs/cu ft

4 rotor angular velocity, radians/sec S

Subscript:

HOV hovering

SOUTLINE OF INFO1W4ATION

The available material on rotor induced flow is summarized in table I
as to flight condition, type of information, source, and the reference
papers (see refs. 1 to 28) in which the data can be found. The flight *
conditions covered in the table are hovering, vertical ascent and descent,
low-speed forward flight, and cruise and high-speed forward flight. A
study of the information presented in the table shows that the inflow
problem has been attacked theoretically, as well as by wind-tunnel tests
on small- and large-scale models, by helicopter tower tests, and by flight
tests on actual production helicopters. The experimental data consist 0
of measurements of the magnitude and distribution of the rotor inflow,
as well as flow-visualization data using smoke and balsa-dust techniques.
It should be understood that both theory and experiment yield only time
averages of the inflow at a particular spot in or about the rotor.

4 DISCUSSION

In this discussion, no attempt will be made to discuss in detail
the available references listed in table I. Instead, some representative
results of a few of the references will be touched upon in order to 5
illustrate the state of knowledge of the rotor inflow field.

4 0 0 0 0 0 0 0 0 0
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Hovering
0

4 The hovering condition has been rather well explored, both experi-
mentally and theoretically. Flow-visualization tests indicate that,

above the rotor, the incoming air seems to be drawn into the rotor pri-
marily in a horizontal direction and becomes part of a primarily vertical
slipstream only after passing through the rotor. If the rotor is oper-
ating outside of the ground-effect region, the slipstream contracts and 0
reaches its maximum velocity well within 1 radius below the rotor plane.
In the outer few percent of the blade radius (or "tip loss" region),
there is no well-defined slipstream above or below the rotor. Instead,

there is a series of small vortices starting at the blade tip and con-

tinuing below the rotor that serve as a boundary between the slipstream
beneath the rotor and the air outside of it. •

In addition to flow-visualization studies, information exists as to
the magnitude of the induced-velocity distribution across the rotor disk

in hovering. The results of one such study (ref. 5) are shown in fig-
ure 1, which compares the induced velocity, as measured in flight, with

that estimated by blade-element-momentum theory (ref. 1). Except for 0
the tip-loss region, the agreement is seen to be quite good. Actually,
the good agreement as to magnitude and distribution between theory and

experiment should be regarded as a fortunate occurrence wherein very
simple concepts give reasonable overall answers to a problem which in

reality involves a complex flow state. Although similar data are lacking

in vertical climb, it is expected that the theory should be as good as *
4 it is in hovering.

Vertical Ascent and Descent

The available information regarding the vertical-flight region is 0
4 summarized in figure 2, which shows the variation in rotor induced veloc-

ity with climb and descent velocity, all velocities being made nondimen-

sional by dividing by the induced velocity in hovering. The plot is thus

independent of disk loading and air density. The solid parts of the curve

show the regions of climb and descent velocity wherein momentum theory
(refs. 1 and 8) applies, which, as shown by the representative flow •

patterns sketched above the curve, are regions wherein a definite slip-

stream exists through the rotor. At intermediate rates of descent, simple

momentum concepts become invalid in that a definite slipstream ceases to

exist because of the "canceling" effect of the downward induced velocity

by the upward-coming flight velocity. In this intermediate flight region,

represented by the dashed curve, it is seen from the sketch that there 0

41 is a recirculating flow through the rotor in the form of huge vortex
rings; hence, the name "vortex ring" region. At large rates of descent,

corresponding to power-off flight and beyond, the vortex rings are much

smaller and are localized well above the disk.

0
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The dashed curve shown for the vortex-ring state is a composite of
flight and wind-tunnel measurements (refs. 6 and 9 to 14). The most
important part of this region lies at the lower rates of descent between
about 400 and 1,000 ft/min, where it can be seen that the slope of the
curve is unstable; that is, the induced velocity increases at a faster
rate than does the descent velocity. At fixed pitch, this results in a
reduction in thrust with increased descent velocity. This type of insta-
bility is a contributing factor toward the well-known troubles that
pilots experience when attempting to maintain steady flight in this region
(refs. 1 and 13). Tests (ref. 16) have also shown that helicopter tail
rotors may also run into this region of instability when the helicopter
is experiencing certain rates of yaw.

Low-Speed Forward Flight

Another flight regime in which rotor inflow is the source of vari-

ous troubles is the transition region in low-speed forward flight. In
this region, which extends from about 15 to 30 mph, helicopters typically
experience an increase in rotor-blade stress and vibration. The mechanism
which gives rise to some of these troubles is not very well understood,
but presumably the troubles are due to the fact that the flow changes
from a vertical slipstream in hovering to an essentially horizontal flow
pattern in forward flight. Certain general aspects of the wake behavior
in this speed range are known, however. For example, as the forward
speed increases from hovering, the skew angle of the wake increases, the
mean value of the induced velocity decreases, and the longittdinal asym-

metry of the inflow velocity increases.

The variation of skew angle of the wake with forward speed, as meas-
ured on the Langley helicopter test tower (unpublished) is shown in fig-
ure 3. As illustrated in the sketch, the skew angle is defined as the

0 angular displacement of the wake from the vertical. It was measured in •
the region of maximum wake velocity. The data are compared with theory,
represented by the solid line in the figure, and it can be seen that the
agreement is fairly good.

The variation of the mean value of the induced velocity with for-
0 ward speed, also obtained on the Langley helicopter test tower (ref. 22), 0

is shown in figure 4. Here too, both the induced and forward-flight
velocities are expressed nondimensionally. The calculated variation,
shown by the solid line, serves as a pretty good fairing for the data,
except at the upper end of the speed range, where the data themselves
become questionable. This upper end of the curve corresponds to veloc-

0 ities of about 25 to 30 mph for normal disk loadings.

Some idea of the increase in the asymuetry of the distribution of
wake velocity with forward speed is shown in figure 5. The curves repre-
sent unpublished test-tower measurements of wake velocity plotted against

* ,0 ••_Z
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nondimensional blade radius in both the forward and rearward parts of
the disk, obtained in the vertical plane of symmetry of the rotor and

4 several feet below the disk. The location of the horizontal survey plane
of measurements is illustrated on the sketch. It can be seen from the
curves that the inflow velocities over the front part of the disk are
smaller than those over the rear of the disk, with the mean slope
increasing with forward speed. This variation in inflow velocity from
front to rear of the disk has been qualitatively known since the days

4 of the early development of rotor theory by Glauert (ref. 18) who showed
that its effect on rotor performance was nil. Years later, Seibel
(ref. 23), using wind-tunnel gyroplane data, made a quantitative evalua-
tion of the variation and showed how this variation, assumed to be linear,
could cause the observed rise in the vibration level of a two-blade heli-
copter rotor in this region. Theories are available (refs. 18 to 21)

* that can predict the approximate location and magnitude of the maximum
dissymmetry that occurs in the transition region, but the agreement is
not precise.

Cruise and High-Speed Forward Flight

At higher speeds, corresponding to the speed for minimum power and
beyond, the dissymmetry decreases, as does the magnitude and thus the
importance of the induced velocity. Figure 6 (ref. 24) illustrates the
variation of the mean inflow angles with forward speed in this higher
speed range. The solid curves represent flow angles as measured in
flight by a yaw vane located on the tail cone of a helicopter fuselage •
about 5/8 of a radius behind the center of rotation. As shown on the
sketch, flow angles are referenced to the plane perpendicular to the
rotor shaft. Measurements were taken at three power conditions and com-
pared with simple momentum theory (assuming uniform inflow), represented
by the dashed curve. It can be seen that the theory gives reasonable
answers over most of the flight range and can be used, for example, in S
designing a horizontal tail surface for the helicopter so that it remains
effective over a wide range of steady flight conditions.

An insight to the induced-velocity variation across the rotor disk
at several speeds above minimum power is available from British flight
tests (ref. 26) that used a smoke-visualization technique. A sample of 0
the smoke-flow pictures obtained during the tests is shown in figure 7.
The plane of the streamlines is approximately 0 . 4R on the starboard side
and the helicopter was flying at 53 mph. It can be seen that at this
speed there is a slight upwash in front of the rotor and then an increasing
downwash toward the rear of the disk. The swirls that show up so clearly
are due to the main-rotor-blade tips cutting through the streamlines at S
successive intervals. Induced-velocity magnitudes obtained from photo-
graphs such as these can be regarded as only approximate, but the results
are still of interest.
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An example of the results thus obtained is shown in figure 8, in 4
which the nondimensional induced velocity, measured at three lateral
stations on the disk, is plotted against nondimensional radius. Within
the scatter of the data, it is seen that the velocity increases toward 0
the rear in an approximately linear fashion over most of the disk. The
calculated variation (ref. 21) shown seems to represent fairly well the
general idea as to what goes on in regard to the inflow.

In connection with the design and behavior of tandem helicopters,
a knowledge of the vertical distribution of downwash some distance behind
a rotor is very desirable. An example of such a distribution is avail-
able from wind-tunnel tests (ref. 28) and is shown in figure 9. The
downwash angle e, expressed in nondimensional form by dividing by the

downwash angle at the center line of the rotor CT/2 L2 (as calculated
by simple momentum theory), is shown as a function of vertical height 0
Z/R above and below the rotor hub for an intermediate tip-speed ratio.
The data were obtained at 11 radii behind the rotor center line at

2
the three-quarter-radius position on the advancing and retreating sides
of the disk. Calculated values (ref. 20) are represented by the dashed
line and are seen to represent the shape of the measured distribution
pretty well.

The interesting point made by these plots is that, as might be
expected, the vertical distribution of downwash is nonuniform, with the
maximum occurring approximately on a line drawn through the rotor hub
and parallel to the flight velocity. The nonuniformity of velocity has
explained certain stability and control phenomena that have been observed
with a tandem helicopter. The variation in downwash angle experienced
by the rear rotor of a tandem helicopter, for example, causes changes in
angle-of-attack stability and speed stability with power changes, as
well as contributing to a nonlinearity in angle-of-attack stability.
Although the data must be considered approximate, it is interesting to 0
note that, for the case shown, the maximum downwash angle reached is
almost three times the value that would be calculated at the center of
the rotor by simple momentum considerations. Unpublished information
from a different series of wind-tunnel tests indicates that the maximum
downwash angles measured in survey planes closer to the rotor disk (at
the trailing edge of the disk, for example) are about twice the value 0
calculated for the center of the rotor.

CONCLUDING REMARKS

From this brief review of rotor-inflow information, It is quite
clear that much work remains to be done, both theoretically and experi-
mentally, before our understanding of rotor inflow can be said to be
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thorough. The problems are defined, but the answers are not quantita-
tively pinned down in all cases. Enough is known about the subject,
however, to be extremely useful in calculating and explaining various
aspects of rotor behavior.
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TABLE I

SUMM4ARY OF ROTOR-In=CED-FLOW IX1FORMATION

Type of {•
iyof Source Reference Remarksinformation

Hovering

Theory Blade-element-momentum 1, 2 Magnitude and distribution

Measurements
and smoke Flight tests 3 Magnitude and distribution
flow

Measurements Test tower 2, 4a tude, and distributionunpublished MagRluean itrbto

Balsa dust and Small scale

smoke flow (single and coaxial) 5, 6 Distribution

Applications Performance calculations 1, 7 Single and coaxial 0

Vertical ascent and descent

Theory Momentum 1, 8 Mean value

Measurements 6, ), 1O,
and smoke Small and large scale 11, 12, 15 Magnitude and distribution
flow

Smoke flow Flight tests 14 Distribution

Performance I
Applications

Stability and control 15, 16, 17

Low-speed forward flight 0

Theory Vortex 18, 1),
20, 21

Test tower 4, 22, Magnitude and distribution

Measurements unpublished and flow angles

Indirect 23 _ •

Stability and control 17, 24

Applications Vibrations 17, 25

Performance 17, 22, 25

Cruise and high-speed forw.rd flight 0

Theory Momentum and vortex 17, 18, 19,
20, 21

Small-scale and Flow angles andSmoke flow 6, 26
flight tests distribution

Large-scale wind tunnel 27, 28 Magnitude and distribution 0
Measurements

Flight tests 24 Flow angles

Stability and control 24
Applications F Performance I

0 0 0 0 0 0
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INDUCED-VELOCITY DISTRIBUTION IN HOVERING
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SKEW-ANGLE MEASUREMENTS AT LOW FORWARD SPEEDS
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SMOKE FLOW TESTS IN FORWARD FLIGHT 1
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FLOW-FIELD MEASUREMENTS AROUND SINGLE AND TANDEM

ROTORS IN THE LANGLEY FULL-SCALE TUNNEL

By Harry H. Heyson

Langley Aeronautical Laboratory

The preceding paper by Alfred Gessow has reviewed most of the experi-
mental and theoretical knowledge of rotary-wing flow fields that has been
generally available up to the present time. It is immediately evident
that the greatest area of weakness in that knowledge is in the forward
flight regimes of operation.

* 0
Approximately a year ago, the staff of the Langley full-scale tunnel

undertook a small exploratory program on the flow around single and tan-
den rotors. By using the experience gained in this series of tests, a
fairly complete test program on the single-rotor configuration, with a
wide range of variables, was planned and was finally completed about

* April 1954. Only a portion of the data obtained in the more recent sur-
veys has been reduced at the present time and the portion which is pre-
sented here should be considered preliminary. Only one tip-speed ratio
is discussed, but the data should be applicable to most present-day heli-
copters at speeds near cruising.

The lines in figure 1 show the extent of the survey planes in the *
single-rotor tests. All the survey planes are perpendicular to the lon-
gitudinal center line of the tunnel. They are located at the leading
edge of the rotor disk, one-fourth of the way back, at the center, three-
fourths of the way back, and slightly behind the trailing edge of the
rotor disk. Two additional planes farther rearward were also surveyed,
but the results are not yet available.

The rotor was of the teetering or seesaw type and had rectangular,
untwisted blades of NACA 0012 airfoil section. The rotor radius was
71 feet and the rotor solidity was 0.0543.
2

In order to correct for the flow about this supporting mechanism,
data were taken twice at each point in space - once with and once without
the rotor blades installed. The difference is considered to be charac-
teristic of the isolated rotor.

A five-tube pitch-yaw-pitot rake was used throughout the tests. It
should be emphasized that this rake is incapable of measuring instanta-
neous variations of flow angles and velocities such as might be desired
for a complete vibration analysis. Therefore, all data are time-averaged
values.

* 0

* 0 0 0 0 0 0 0 0 0
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Figure 2 maps the flow near the trailing edge. Figure 2(a) shows
the angular variations in the flow. The vectors represent the deviation
of the flow, in degrees, from a path parallel to the tunnel center line. •
The vertical component of the vector is the downwash angle; the lateral
component is the sidewash angle. The general effect given by the figure
is much like that given by a tuft-grid photograph. Notice the striking
similarity to the flow behind a lifting wing. The sharp change in side-
wash angle just below the level of the rotor indicates that the trailing
vortex sheet is passing along about there. The strength of vorticity in 9

4 the sheet increases from the center to the tips of the rotor. The begin-
ning of the rolling up of the sheet into the large tip vortices which
are almost directly behind the outboard edges of the rotor disk may be
seen. Because of the different blade loading on each side of the disk,
there is a slight asymmetry in the flow in this survey plane. The
stronger tip vortex (behind the advancing side) has moved a little more 0

4 toward the center of the rotor than has the weaker vortex (behind the
retreating side).

Figure 2(b) shows the variation of local dynamic pressure in the
same survey plane. It is evident that large velocity changes are confined
to a relatively small area behind the rotor. The dynamic pressure in 0

4 this area is greater than that of the free stream since the rotor, in
helicopter operation, is adding energy to the airstream. The unusual
humped shape of the pressure curves in the center of the chart is due to
the forward tilt of the rotor. The center part, which is high, has just
come off the raised trailing edge of the disk; the outer region, which
is lower, comes from the lower outboard edges of the disk. Although it •

4 is not seen in figure 2(b), the velocities well below the rotor are
slightly less than free stream, whereas those above the rotor are
slightly greater. This effect is very much like that created by the
circulation around a lifting wing.

Figure 3 shows the induced vertical velocity in the five survey 0
4 planes. The ordinate is the vertical height, in terms of the radius,

above the rotor. The tip path plane of the rotor is represented by
Z/R = 0. The abscissa is the vertical induced velocity v divided by
the theoretical downwash velocity at the center of the rotor vo . The
experimental points (circles) represent the average induced velocity
across the disk. The theoretical values for the longitudinal center 0

* line, as calculated by Castles and De Leeuw (ref. 1), are shown as a
solid line.

By comparing the two sets of values on this basis, it may be seen
that the theory underestimates the induced velocity above the rotor.
The agreement below the rotor is good in the three middle survey planes. 0

* At the leading edge of the rotor, the vertical extent of the upwash
region is smaller than is predicted by theory. Near the trailing edge
of the rotor, where the theory indicates a constant downwash of v/vo
equal to slightly more than 2, the experimental points indicate that

G • • •• • •
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4 the downwash continues to build up across the wake and reaches a maximum

value of about 3. •

A knowledge of the induced velocity in the plane of the rotor itself
is very useful in accurate performance and stability calculations. In
order to get this information, lines were faired through the experimental
points of figure 3 and the values at the rotor disk were picked off.
These values were compared with the theoretical values for the disk. The 0
comparison is shown in figure 4. It may be seen that the theory predicts

* the general shape of the curve well and that the accuracy in the rear
portion of the rotor is very good. However, the accuracy in the forward
portion of the rotor is somewhat poorer.

The results of the short exploratory investigation of the tandem- 0
rotor system will now be discussed. These surveys covered the planes
shown in figure 5. The survey planes were at the center line of the
front rotor, the leading edge of the rear rotor, the center line of the
rear rotor, and Just behind the trailing edge of the rear rotor. The
two rotors were at equal heights above the center line of the test
machine; that is, there was no vertical offset. The gap between the •
rotors was very small - about 7 percent of a radius. Each rotor was

* equipped with exactly the same type of blades and hubs as in the single-
rotor surveys previously discussed.

Before examining the data of the Langley full-scale tunnel, first
look at a tuft-grid photograph taken in the Langley stability tunnel 0
behind a tandem-rotor model (fig. 6). Despite the addition of a second
rotor, there is still only one set of trailing vortices. Although dis-
torted (note the vertical elongation of the retreating side vortex), the
flow is still essentially the same as that behind a single rotor. Simi-
lar photographs, taken under a wide variety of operating conditions,
indicate that this observation remains valid until either very high fuse- •
lage attitudes or very high lift coefficients are reached. For the sur-
veys of the Langley full-scale tunnel that are shown in the following
figures, the fuselage attitude and lift coefficient are both much lower
than for this case. It would, therefore, be expected that the data would
show the effect of a single pair of tip vortices.

Figure 7 shows the downwash angles, averaged across the span, as
* measured in the surveys. It should be noted, before examining the fig-

ures in detail, that the points indicate only the downwash angle - not
downwash velocity. The points have been divided by the theoretical
downwash angle at the center of the rotor. Also, in these charts
Z/R = 0 represents the tip path plane of the front rotor. For this con-
dition, however, the rotors were trimmed in such a manner that both tip

* path planes are nearly coincident, and Z/R = 0 may, therefore, be con-
sidered to represent the tip path plane of either rotor. The solid line
represents the theoretical variation of downwash angle for a single rotor.

0 0 0SS 0
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In the initial portion of these tests, the rear-rotor blades were removed
and the front rotor was set to a given flight condition. This configura-
tion was then surveyed as a single rotor. The results are shown in fig- 0
ure 7 as circles. It is evident from these points that, if the theory
is used to predict only the downwash angles rather than the total induced
velocity, it is considerably more accurate. The error is largest in the
more rearward planes.

The rear rotor was then placed on the helicopter, and the overall 0
tandem configuration was then set to operate at the same values of lift
coefficient and useful drag-lift ratio as in the single-rotor portion of
the test. In setting this condition, only the rear-rotor controls were
used. The tandem rotor was then surveyed at the same points in space as
the single rotor. The resultant values are plotted as squares in
figure 7.

It is evident that the addition of the rear rotor affects the front
rotor by adding a small, but significant, upwash component to the flow
in the forward survey planes. Since the front-rotor control setting
remained unchanged, this upwash must increase the blade angles of attack
of the front rotor and, consequently, the portion of the total lift and
drag that it carries. Thus, the tandem-rotor model is equivalent to a
flight article having its center of gravity somewhat forward of the mid-
point between the rotors.

It is also evident that, in the vicinity of the rear rotor, the
additional downward impulse imparted to the air flow by adding a second
rotor resulted in very large increases in the downwash angles. In each
location, however, the general shape of the downwash curves, except for
magnitude, is still the same. This effect is to be expected from the
general flow pattern.

Figure 8 compares the downwash at the plane of each rotor as faired
from the previous figures. In this particular flight condition, the rear
rotor is seen to operate in a total downwash field approximately three

times as great as that of the front rotor. Therefore, it might be
expected that the rear rotor would require about three times as much
induced power as the front rotor. Power measurements indicate that this
condition is actually true. This subject will be covered in more detail 0

later in a paper presented by Richard C. Dingeldein.

The results of these surveys indicate the following conclusions at
cruising speeds:

1. The time-averaged flow field caused by a rotor in normal heli- 0

copter attitudes is very much like that of a wing.

0

0 0 0 0 0
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2. The time-averaged downstream flow field generated by a lightly
loaded, clean, tandem helicopter is much like that generated by a single-
rotor helicopter. 0

3. These surveys indicate that the induced losses in tandem-rotor
helicopter configurations may be explained and their approximate magni-
tude estimated if a sufficient knowledge of their flow field is available.

4. The theoretical flow fields about a rotor, as calculated by 0
Castles and De Leeuw, may, with certain reservations, be used to calculate
the induced flow or the downwash angles to a sufficient degree of accuracy
to be adequate for initial design considerations.

REFERENCE 0
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SURVEY PLANES USED IN SINGLE-ROTOR TESTS
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SURVEY PLANES USED IN TANDEM-ROTOR TESTS
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COMPARISON OF DOWNWASH IN PLANE OF FRONT
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ROTOR EFFICIUICY IN HOVERING

By Alfred Gessov

Langley Aeronautical Laboratory

N'ROUcXTION

The flight characteristic that distinguishes the helicopter from
fixed-ving aircraft and from its sister ship the autogiro is Its ability
to hover and climb vertically. Although the time spent in hovering and
vertical climb is normaLly swall for most helicopter operations, it is 0
this characteristic that justifies the additional complexity of using a
powered rotating rotor rather than a fixed-ving or an autorotating rotor.
Fortunately, most of t' cerodynamic problems involved in the design of
a rotor that will lift a given load and slowly carry it from one place
to another are much more readily solved than the problems arising at
the higher end of the helicopter speed range. From the analytical stand- 0
point, the relative simplicity of hovering or vertical flight as opposed
to forward flight arises, of course, .rom the fact that, in hovering,
the angle of attack and resultant velocity of a blade element operating
at a given radial distance are independent of its azimuth position. In
addition, experimental hovering data can be obtained to supplement and
check the theory without the use of complicated vind-tunnel or flight 0
programs.

In hovering theory, the helicopter designer has a very useful tool
that enables him to design and adequately predict the performance of an
efficient load-lifter helicopter, tc investigate the characteristics of
various powerplant-rotor combinations, or to determine the extent to 0
which hovering and vertical flight performTance is compromised by a design
that favors the higher end of the helicopter speed range. It is the
purpose of this paper to illustrate the application of the theory by
quantitatively examining the effect of variations in design parameters
on rotor efficiency in hovering.

SYMBOLS

b number of blades per rotor

* cr 2drJ/o
ce equivalent blade chord (on thrust basis), , ft

r 2dr

o

* 0

* 0l 0II llIl 0ll.
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rotor mean lift coefficient (in hovering, equal to 6 CT/a)

co Ic1  ratio of extended chord at blade root to chord at blade tip

C rotor-shaft torque coefficient,

CT thrust coefficient, 2T

rotor-shaft torque, lb-ft

R blade radius, ft

r radial distance to blade element, ft

T rotor thrust, lb

8I  difference between hub and tip pitch angles (positive when
tip angle is larger), radians

P mass density of air, slugs/cu ft

a rotor solidity, bce/H

rotor angular velocity, radians/sec 0

DISCUSSION

The usefulness of the theory is based on its being able to calculate 0

accurately the two sources of energy loss that are present in producing
thrust. The first is represented by the increase in kinetic energy of
the rotor slipstream (so-called induced loss) and the second arises from
the profile drag of the blades. For the range of disk loadings common
to the helicopter, it has been shown that simple-momentum-blade-element
considerations, together with an assumed tip-loss factor of 0.97, can
accurately predict induced losses for a wide range of rotor designs.
Two-dimensional section data inserted into a combination of momentum and
blade-element theory is similarly adequate for predicting profile-drag
losses, provided, of course, that the actual profile-drag coefficients
of the "as-built" blade sections are known or estimated from experience.

Two examples of the manner in which theory can estimate power losses
in hovering are shown in figure 1. The upper plot in the figure shows

0 o..

0 000000 4
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the thrust-power variation (expressed in nondimensional coefficients)

of a full-scale rotor having untwisted blades of conventional plan-form
taper. The data points represent measured data obtained over a range of
subsonic tip speeds, whereas the solid line is the theoretical predic-
tion using a measured minimum profile-drag coefficient. The lower plot
shows a corresponding setup except that the test rotor had -80 of twist.
In both cases, the agreement is excellent. (An explanation of hovering
theory can be found in ref. 1. The data shown in the figure were
obtained from ref. 2.)

The aerodynamic factors that affect rotor losses in hovering are
summarized as follows:

Loss Primary factors Secondary factors

Disk loading
Induced Blade twist

Plan-form taper

Airfoil-surface condition
Airfoil section Blade twist

Profile drag Solidity Plan-form taper

Tip speed

The induced losses are primarily influenced by rotor disk loading, as •
well as by blade twist and plan-form taper. Profile-drag losses are
primarily dependent on the type of airfoil section chosen and the degree
to which true aerodynamic contour and surface condition is achieved with
the as-built blades under actual operating conditions, as well as on
rotor solidity and tip speed. Induced losses are typically two to three
times as large as those due to profile drag for the normal range of
disk loadings. Some of these effects will now be discussed in terms of
actual numbers.

The effect of disk loading on the induced loss can be seen from
figure 2 (obtained from ref. 1) which represents the number of pounds
of thrust produced by 1 horsepower as a function of disk loading for a S
uniform-inflow rotor operating at a constant mean lift coefficient and
solidity. It can be seen that the benefits of low disk loading are
large, and the maximum benefit is obtained at values less than 2. The
present trend is toward increasing the disk loading from the conven-
tional 2 to 3 to something between 3 to 6, and it can be seen that in
this upper range the effect of a decrease in disk loading, although not S
as marked as in the lower range, is still quite significant percentage-
wise, particularly from the standpoint of the effect on payload. A

reduction in disk loading from 6 to 3, for example, increases the thrust

41_
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by about 30 percent, and the payload by perhaps three or four times that
amount. It is realized, of course, that these aerodynamic considerations
would be modified by other factors, such as overall size, weight, type 0
of powerplant, and cost, which would also influence the choice of disk
loading for a particular design. From the aerodynamic standpoint, how-
ever, load lifters should be designed with as low a disk loading as
possible.

4 Low disk loadings are also beneficial in reducing adverse compres- 0
sibility effects on profile-drag power when operation at high tip speeds
is involved, in that low disk loadings result in low mean lift coef-
ficients and thus higher force divergent Mach numbers. In forward
flight, low disk loadings result in the achievement of higher forward
speeds because of a delay in rotor stall effects.

Rotor blade twist and plan-form taper also have a significant effect
on rotor induced losses, and to a lesser extent, on profile-drag losses
as well. The predicted effects of twist and taper are summarized in
figure 3. This figure shows the thrust produced, at constant power,
solidity, and tip speed, by a large-diameter rotor differing only in

4 amount of blade twist and plan-form taper. As a basis for comparison, 0
the thrust produced by an "ideal" rotor, that is, a rotor operating with
uniform inflow and zero profile drag, is also shown as the top bar in
figure 3. In each case, the thrust is shown as the sum of empty weight
plus fuel (represented by the shaded part of the bars) and payload
(represented by the unshaded part of the bars). The weight empty plus

_ fuel is the same for all of the designs and was assumed to be one-quarter 0
of the thrust of the untwisted and untapered rotor.

It can be seen that the benefits of twist and taper are considerable,
amounting to an increase in payload of approximately 3,000 pounds (or
43 percent) for -12 ° twist and 3:1 taper over the untwisted, untapered

4 case. An additional 600 pounds (approximately 6 percent) could be 0
achieved with a rotor having twist and taper such that it produces uni-
form inflow and operates at a constant angle of attack all along the
blade. The difference in payload between such a rotor and an ideal
rotor amounts to almost 6,700 pounds (or 64 percent) and represents the
effect of profile drag. With typical production blades, part of this
6 4 -percent extra payload represented by the elimination of profile drag 0
could conceivably be achieved with extra production effort or the use of
more nearly optimum airfoil sections. The following paper by Robert D.
Powell, Jr., discusses this point more fully in that it deals with the
use of special airfoil sections and the effects of surface tolerances
and roughness on hovering efficiency. (A more complete discussion of
twist and taper effects can be found in refs. 1 and 3.) 0

In addition to the benefits of twist already discussed, blade twist
is also beneficial in delaying and alleviating compressibility effects

4 0
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on rotors, particularly those that are required to hover at high tip
speeds because of powerplant or high-speed flight considerations. From

4 tests performed at high tip speeds on the helicopter test tower (ref. 2)
with two sets of 15-percent-thick blades, it was shown that at tip speeds
high enough to cause compressibility effects on one or more of the rotors,
the blades with -80 of twist required about 15 percent less power for a
given thrust and tip speed than untwisled blades. Although about one-
fifth of this decrease may be ascribed to more favorable induced con-

4 siderations, as previously discussed, the benefits of twist in minimizing 0
compressibility effects are substantial.

So far, the effects of disk loading and blade design on hovering
performance for a fixed tip speed and solidity have been demonstrated.
The combination of tip speed and solidity itself is a very potent factor,

4 inasmuch as it has a marked effect on profile drag. Its effect is shown 0
in figure 4 which represents the efficiency of a constant-inflow rotor
as a function of both rotor mean lift coefficient and solidity. The
efficiency is expressed by the ordinate as the inverse ratio of the power
required by the actual rotor to produce a given thrust to that required
by the same rotor operating without any profile-drag losses. Thus, an

4 ideal rotor would have an efficiency of 1 (or 100 percent). Rotor mean 0
lift coefficient, as shown on the horizontal scale, is proportional to
the thrust-coefficient-solidity ratio, which in turn is proportional
to both tip-speed squared and solidity at constant disk loading.

It is seen from the figure that maximum hovering efficiency is
4 obtained by that combination of thrust-coefficient and solidity that 0

results in both a high mean lift coefficient and a high solidity. The
reason for this statement becomes apparent if operation of a rotor at
constant mean lift coefficient is considered. If the rotor solidity is
increased, the tip speed correspondingly must be decreased in order to
keep the thrust constant. However, since the profile power varies as

9 the tip-speed cubed, whereas the thrust varies as the tip-speed squared,
operation at the lower tip speed results in less profile power for a
given thrust and hence in greater efficiency. Alternately, if the
solidity as well as the thrust is fixed and operation is at a lower tip
speed, and thus an increased mean lift coefficient, the "square-cube"
tip-speed considerations just discussed will again result in increased

4 efficiency. (See ref. 1, ch. 3, for a more complete discussion.)

Because the mean lift coefficient involves both tip speed and
solidity, the effect of independent variations of the two can be seen
more easily with the dimensional illustrative case shown in figure 5,
which shows the variation of rotor thrust with tip speed produced at

4 constant power at various solidities. Each of the curves shown is •
terminated at a tip speed corresponding to a mean lift coefficient of
1.2, on the assumption that the rotor would be badly stalled above that
value. In the practical case, a margin is allowed between design mean

4 0
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lift coefficient and the stall. In this case, the design mean lift
coefficient 1 was arbitrarily assumed to be 0.8; operation above 0

*this value is represented by the dashed portion of the curves.

Figure 5 indicates that if the designer were free to choose a tip-
speed-solidity combination that would result in maximum hovering effi-
ciency, he would choose a high-solidity-low-tip-speed combination. Such
might be the case in the design of a pulse-Jet-powered load lifter. On 0

*the other hand, if other considerations fix the tip speed in the higher
range of speeds, a low solidity would be indicated. At the particular
disk loading being considered in this example, however, the requirement
that operation be confined to values of F less than 0.8 would prohibit

the ,use of as low a solidity as 0.02 over the tip-speed range shown.

* Normally the choice of a particular solidity-tip-speed combination
is influenced by stall considerations on the retreating blade in forward
flight. In a few cases studied, sample calculations have indicated that
different combinations of solidity and tip speed that produce the same
angle of attack at the tip of the retreating blade in forward flight,
and thus the same limiting forward speed, also yield the same hovering

* performance. (See ref. 4..)

Thus, in the design stage, if the hovering condition was considered
about as important as the high end of the speed range, it would appear
that other than purely aerodynamic considerations would fix the choice
of a particular combination of solidity and tip speed. On the other

* hand, if high forward speeds were considered paramount, both high tip
speeds and solidity might be employed. In such a case, the figure
indicates that the penalty in hovering efficiency could be considerable.
Such a penalty would be avoided, of course, in designs wherein high
power could be obtained at both high and low tip speeds, as might be the
case if certain types of gas-turbine powerplants or a gear-shift trans-

* mission were employed.

0
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COMPARISON OF FULL-SCALE DATA
WITH HOVERING THEORY

.006k

.004 F THEORY
CT I.

.0061-

FRS

00-C,420 a
CT .02 350THEORY 91.8S

0 .0001I .0002 .0003 .0004
GQ

Figure 1.

*

EFFECT OF DISK LQONG ON THRUST- POWER RATIO IN HOVERNG

ZANAND CONSTANT

0
50

40

TRS,30-
POWER

LB/HP 20

10-

0 1I 2 3 4 5 6
DISK LOAON, LBSQ FT

Figure 2

00



)A 67
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EFFECT OF BLADE DESIGN ON HOVERING PAYLOAD

2,000 HP; R - 60 FT; AR • 550 FPS; " 006

UNIFORM INFLOWi ZERO PROFILE DRAG

UNIFORM INFLOW AND SECTION ANGLE OF ATTACK •

01 .- 12% CO/c 1 3 I

91 .•-i2% CO/C ,i I

COCVM WT EMPTY + FUEL

I PAYLOAD
I I I i I p

0 1,000 20,000 30,000 40,000
THRUST, LB

Figure 3

EFFECT OF AND a ON ROTOR EFFICIENCY IN HOVERiNG

U-M - NROW, ZERO PROFILE DRAGID- - - - - - - - - - - -

.0.

EFFIGIENCY, .6
IEEAL POWER
REG. POWER

Figure 4I

* 0

* 00-0S r/0 0

* 0 u5 e



* 68
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HOVERING PERFORMANCE OF A KELICOPER ROTOR

* USING NACA 8-H-12 AIRFOIL SECTIONS

By Robert D. Powell, Jr.

Langley Aeronautical Laboratory
* S

SU44ARY

A helicopter rotor employing an NACA 8-H-12 airfoil section has been
tested on the Langley helicopter test tower. Two blade surface condi-

* tions were investigated, first with a filled blade which was within
0.002 inch of true airfoil shape obtained by use of plastic filler, and
second with the filler removed resulting in a surface condition within
0.020 inch of true airfoil shape. Tests were conducted for the two sur-
face conditions at a tip speed of 455 feet per second and over a tip-
speed range from 455 to 650 feet per second for the blades with filler

* removed. The NACA 8-H-12 blades with the filled surface showed an aver-
age reduction of 6 to 7 percent in total torque coefficients.

INTRODUCTION U
As previously reported in reference 1, the problem of designing a

rotor for minimum induced power is fairly well understood and further
increases in rotor performance must come from a decrease in the profile
power losses. In this connection, the National Advisory Committee for
Aeronautics has derived a group of airfoil sections having low profile-

* drag characteristics that have been developed specifically for use on
helicopter rotor blades. From this group of airfoils the NACA 8-H-12
airfoil section, which appeared to be the most promising, was incor-
porated in a rotor blade for tests on the Langley helicopter test tower.

* SYMBO S

R blade radius, ft

b number of blades

c blade section chord, ft

6 0 .. . .o. -.. ° . ._.t . . .
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a rotor solidity, bc/xR

density of air, slugs/cu ft

T rotor thrust, lb

Q rotor-shaft torque, lb-ft

Mb measured rotor-blade pitching moment, positive for aKoent
tending to increase blade pitch, lb-ft

rotor angular velocity, radians/sec

cdo section profile-drag coefficient •

Cl section lift coefficient

CT rotor thrust coefficient, T
,T X .,,( n)2 0

CQ rotor-shaft torque coefficient,

CQo rotor-shaft profile-drag torque coefficientQob

Cmc/ 4  rotor-blade pitching-moment coefficient,

a blade-section pitch angle measured from line of zero lift,
radians

APPARAUS

The present Investigation vas conducted on the Langley helicopter
test tower (fig. 1) described in reference 2. The only change in the
instrumentation vas the addition of individual blade pitching-moment
indicators. This addition consisted of a ring strain gage mounted on
the pitch control rod; the signal from the strain gage vas transmitted
through a silver slip ring to the oscillograph where it vas recorded.

The two rotor blades were of fiber-glass construction and were
covered vith a 0.00- to 0.005-inch-thick stainless-steel skin. The

* 0 
0
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blades had a radius of 18.63 feet from the center line of rotation, a
constant chord of 1.2 feet, zero twist, a rotor solidity of 0.041, a
torsional stiffness of 600 in-lb/deg of twist, and an NACA 8-H-12 air-
foil section. Plan-form views of one of the test blades are shown in 0
figure 2. A cutaway view showing the details of the blade construction
is shown in figure 3. The inner core of the blade was made of strips
of foam plastic wrapped with one layer of 0.005-inch fiber glass. The
trailing-edge core was made of birch veneer and was bonded to the fiber
glass and plastic foam core. A birch veneer block was also bonded to
the forward section of the plastic core. This assembly was then covered 0
(except for the forward part of the birch veneer block) with several
layers of fiber-glass cloth impregnated with Paraplex resin. Blade
chordvise balance was obtained by bonding a steel leading edge to the
birch veneer block. The entire assembly was then covered by bonding a
stainless-steel skin to the core. The stainless-steel skin served to
carry about 20 percent of the centrifugal loads and gave a uniform and •
corrosion-proof exterior surface.

RESULTS AND DISCUSSION

Figure 4 shows some of the results of the tests of the two-dimensional 0
airfoil (ref. 3) together with data from tests of the MACA 0012 airfoil
section (ref. 4) which are presented for comparison purposes. Before
describing the basic airfoil-section characteristics, it might be of
interest to consider the reason for the shape of the MACA 8-H-12 airfoil.
Since the interest is in the low drag, a low-drag thickness form was
used. The airfoil was cambered so that the low drag would be realized
at positive lift coefficients. This effect also means a high lift-drag
ratio is achieved. In order to counteract the pitching moments intro-
duced by camber, the trailing edge was reflexed. Figure 4 shows section
drag coefficient plotted against section lift coefficient. These tests
shoved that the smooth NACA 8-H-12 airfoil had very good low profile-drag
characteristics as compared with the MACA 0012 airfoil section, espe- 0
cially in the lift-coefficient range in which most of the rotor disk
operates. Therefore, any decrease in drag in this range is very important.
At the higher lift coefficients, the NACA 8-H-12 airfoil section does
not look as attractive because of its higher drag; however, this high
drag is out of the region of major power losses, at least until the
stall limit in forward flight is approached. 0

It is of interest to know that, if these two airfoils are compared
for the condition with leading-edge roughness, the profile polars are
practically identical. The only difference is that for the MACA 8-H-12
airfoil, because of its camber, the minimum drag occurs at a positive
lift coefficient rather than at zero lift coefficient. •

iiI0
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It Is important to know whether this low profile drag can be
achieved on actual rotor blades. Therefore, a program was initiatea to 9
build a set of MACA 8-H-12 airfoil blades to as near perfect contour us
possible and to test them on the Langley helicopter test tower (fig. 1).
When the blades were completed, the departure from true airfoil contour
was within 0 to -0.020 inch. A filler was then applied to th- blades
over the top 40 percent and bottom 80 percent of the chord which repre-
sent the theoretical extent of laminar flow on this airfoil. After care- 0
ful sanding and polishing, the blade contour was within 0 to -0.002 inch
of the true airfoil contour. The general smoothness and fairness was
such that laminar flow could be reasonably expected on at least half the
blade if it were tested as a two-dimensional LLrfoll.

The effect of the surface condition on the profile torque is shown 0
In figure 5 where the thrust-coefficient-solidity ratio is plotted
against profile torque coefficient for the MACA 8-H-12 blades. The data
were obtained at a tip speed of 4155 feet per second with a rotor solidity
of 0.041. The profile torque coefficient was obtained by subtracting the
calculated induced torque coefficient from the total measured torque
coefficient. The calculated curve to the left Indicates the profile •
torque that would have been obtained ir the smooth drag curve shown in
the two-dimensional-airfoil results had been realized. The middle curve
represents the experimentally determined profile torque for the blades
with the filled surface. The curve to the right represents the experi-
mental data for the blades with their original surface (filler removed).

Over a representative range of hovering mean lift coefficient, from
about 0.3 to 0.6, the profile power would have been reduced from 45 to
60 percent If the snooth-two-dimensional-airfoil results had been obtained
from the rotor. Actually, only about haif this reduction was obtained
vith the filled blades, which mounted to a reduction In the total power
being absorbed by the rotor of the order of 6 to 7 percent. •

Figure 6 shows a comparison between the resul*s obtained for Uke
blades with their original surface and a calculated curve based on the
empirical drag polars (ref. 5) that has been found from experience to
be representative of well-built rotor blades having conventional airfoil
sections. Most of the published RACA rotor-performance charts are based 0
on this polar.

The curves show that there Is very little difference In rotor per-
formance except at the very high thrust coefficients above a thrust-
coefficient-solidity ratio of 0.10. This increase In profile torque
was indicated by the two-dimensional-airfoil results and may not be of 0
great Iziportance because helicopters very seldom hover In this range.
In the range from 0.06 to 0.09 where they do operate, acme small bene-
fits oay be derived.
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In the course of the investigation, data were obtained at various
tip speeds. Figure 7 shows a plot of thrust coefficient against total
torque coefficient for the NACA 8-H-12 blades vith their original finish 0
at tip speeds of 455 and 650 feet per second. These tvo curves show
very little difference in rotor performance. At the lower rotor thrust
coefficients there was a slight scale effect and at the higher thrust
coefficients there was an increase in power required as a result of com-
pressibility losses. In general, there are no gross effects for the tvo
tip speeds shown. 0

The blade pitching ments were also measured during the tests;
figure 8 shows the variations of the pitching-moment coefficient about
the quarter-chord point as a function of blade pitch angle in degrees
for a tip speed of 41)5 feet per cecond. The NACA 8-H-12 blade pitching
moments tend to remain zero from about 50 to 90. Slight positive 0
pitching moments are indicated at zero blade pitch and increasingly nega-
tive pitching moments are indicated at the higher blade pitch angles.
In general, the pitching moments vere similar to those that have been
measured on rotor blades having conventional airfoil sections. The vari-
ation shown is typical of all the measured pitching moments on the NACA
8-H-12 blades with their original surface at the various tip speeds. 0

CONCUDIG RD4ARKCS

Frcm an investigation of the hovering performance of a helicopter •
rotor using ACA 8--12 airfoil sections it appears that the performance
of the RIAC B-H-12 blades in the condition In vhich they arrive from the
shop, that in, smooth and fair and within 0.020 inch of the true airfoil
contour, vas comparable to what might be expected from good practical-
construction rotor blades. Improving the surface-contour accuracy to
within 0.002 inch of the true airfoil contour resulted in getting about 0
half the theoretical reductions in profile drag that would be expected
on the basis of tests of the smooth tvo-dlmensional airfoil. This effect
mounted to an average reduction in total torque coefficients of 6 to
7 percent.

, • • •--- .*.. ._.t .... *,0
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* PLAN-FORM VIEW OF NACA 8-H-12 ROTOR BLADE
SHOWING 80% OF CHORD SURFACE FILLED
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PLAN-FORM VIEW OF NACA 8-H-12 ROTOR BLADE
SHOWING 40% OF CHORD SURFACE FILLED
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- I
CUTAWAY VIEW OF NACA 8-H-12 BLADE SECTION 0

SHOWING CONSTRUCTION DETAIL

Figure 3

AERODYNAMIC CHARACTERISTICS OF NACA 8-H-12 •
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PROFILE TORQUE CURVES OF NACA 8-H-12 ROTOR BLADES
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COMPARISON OF NACA 8-H-12 ROTOR (ORIGINAL SUR-
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HOVERING PERFORMANCE OF NACA 8-H-12 BLADES AT
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SOME RECENT DEVELOPMENTS IN ROTOR THEORY

By Alfred Gessow and Almer D. Crim

Langley Aeronautical Laboratory

INTRODTTION S

The problem of determining the aerodynamic characteristics of a
lifting rotor basically consists of calculating the forces and mamcnts
on a rotating three-dimensional wing frcu statically measured two-
dimensional airfoil-section data. Because of the large number of degrees
of freedc involved, and the complications introduced by the variation
in section angles of attack and velocities over the rotor disk, an ana-
lytical approach to the problem necessarily contains various assumptions
and simplifications. The largest number of such simplifying assumptions
is found in the original efforts of Glauert and Locke, published almost
thirty years ago. Since that time, the theory has been progressively
improved in accuracy and in convenience of application by a number of
investigators. The purpose of this discussion is to summarize some of
the more recent developments made by the NACA in helicopter rotor theory.

SYMBOLS •

a slope of section lift curve

Cp shaft power coefficient

CPO profile-drag power coefficient

CT rotor thrust coefficient

dD blade-section drag

dL blade-section lift

M Mach number

R rotor-blade tip radius

V forward velocity

ar  blade-element angle of attack measured from line of zero lift

• 0
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8 blade-section pitch angle

80  blade pitch angle at hub

81 difference between hub and tip pitch angles

9tip-speed ratio

a rotor solidity

0 inflow angle

*blade azimuth angle

a rotor angular velocity 0

DISCUSSION

The theory of reference 1, which was later used in the preparation 0
of charts (refs. 2 and 3), has been extensively used by the NACA in
performance calculations and as a basis for stability, vibration, and
loads studies. This theory has given good correlation with flight test
results and appears to be adequate for predicting the performance of
present-day helicopters. *

Because of certain restrictive assumptions contained in the theory,
however, it was considered that it might not be applicable to heli-
copters capable of greatly increased performance and for certain types
of convertible aircraft with rotors that operate through a large angle-
of-attack range. Some of these assumptions may be illustrated with the
aid of figure 1. The assumptions referred to include:

(1) Inflow angles small enough that the sine may be replaced by the
angle and the cosine by unity

(2) Velocity at a blade element approximated by the tangential

component

(3) Section lift and drag curves that do not account for stall

Because the flight of high-performance helicopters and converti-
planes involves operation at high inflow angles, and because relatively
large regions of reversed velocity are present at high tip-speed ratios,
the theory was extended (ref. 4) to remove the inflow-angle assumptions,
to consider the resultant velocity at a blade element, and to permit the
use of more realistic lift and drag coefficients in the reversed-flow

41 --- ---A0
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region. Part of this extension was accoMplshed by utilizing a sugges-
tion from reference 5 that, although the individual inflow and blade
pitch angles might be large, the difference between the two, which is S
the angle of attack, would usually be small. Any small-angle assump-
tions necessary could therefore be more appropriately applied to the
angle of attack. As in the theory of reference 1, the extended method
did not account for stall outside of the reversed-velocity region, or
for compressibility effects on the airfoil section characteristics.

In connection with stall effects, it should be pointed out that
design charts based on either method contain limit lines that indicate
not only the limiting flight conditions at which the theory becomes opti-
mistic because stall is not taken into account, but also the most effi-
cient conditions of operation.

A comparison of the two methods showed that little difference existed
at inflows and tip-speed ratios common for current helicopters. How-
ever, under other conditions, significant differences can occur, as illus-
trated in figure 2. This figure shows the computed ratios of profile
power to thrust for two inflow conditions over a range of tip-speed

* ratios. At the low-inflow condition, corresponding to a low power, the 0
two methods give essentially the same answers over the range of tip-speed
ratios shown. At the high-inflow condition, corresponding to a high rate
of climb or to a large forward tilt of the rotor at high speed, the two
theories agree only at low tip-speed ratios and diverge very rapidly at
the higher ones. At P - 0.5 the difference is about 2 to 1.

* 0
Since the extended theory still contains some resultant-velocity

and small-angle assumptions, particularly in the reversed-velocity region,
the validity of these simplifications was verified by a number of check
calculations which eliminated the necessity for these particular assump-
tions. The results were in good agreement.

* 0
Because some of the equations of the extended theory are lengthy,

the thrust, power, and torque relationships over a range of flight con-
ditions, including tip-speed ratios up to 0.5, were evaluated and are
being used to prepare design charts. A sample chart is shown in fig-
ure 3, which graphically expresses the relationship between nondimensional

* rotor profile-drag power, shaft power, thrust, and pitch angle, all for 0
a given value of blade twist and tip-speed ratio. The power ratios CpdCT

and Cp/CT correspond to the more familiar helicopter parameters (D/L)o
and P/L, respectively, but are based on tip speed rather than forward
speed and thus avoid infinite values as the tip-speed ratio approaches

* zero. Inboard and outboard limit lines are also shown on the charts in
order to aid in determining the onset of stall. It might be pointed out
that, contrary to the previously published NACA helicopter performance

* 0
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charts, the form of the charts shown does not involve a trial-and-error
method of determining profile drag and shaft power.

As previously mentioned, the extended method and the charts based
upon it do not take into account compressibility effects or stall out-
side of the reversed-velocity region. In order to account for these
effects, as well as for changes in such design parameters as hinge off-
set, blade cutout, and blade mass factor, it would seem more practical to

* calculate such effects numerically (perhaps by automatic computing S
machines) for a relatively small number of conditions and to apply the
results as correction factors to the charts, rather than further to com-
plicate the already lengthy analytical expressions.

An example of the results that have been obtained thus far from
Snnumerical point-by-point calculations made at the Langley Laboratory is 0

shown in figure 4, which illustrates rotor compressibility effects in
forward flight. The figure shows a plan-form view of a rotor in forward
flight at a speed of 200 miles per hour and a rotor tip speed of 750 feet
per second. The solid lines represent contours of constant angle of
attack; the dashed lines contours of constant Mach number; and the shaded

* area the region in which the drag-divergence Mach number has been exceeded .

for the particular airfoil section chosen.

The profile-drag power loss corresponding to this condition was com-
puted by using airfoil-section data corresponding to the angle-of-attack
and Mach number combinations shown. Then, in order to compare compress-

* ibility effects, the power loss was again computed, keeping the same 0
tip-speed ratio but assuming a much lower tip speed (350 fps).

The profile-drag power losses thus obtained differed by a factor of
about 2, the larger answer of course corresponding to the higher tip
speed. Although the example shown was somewhat extreme, rotor thrust

* was not affected to a significant extent by Mach number. If a number of 0
such cases were computed for the particular airfoil section considered,
it is expected that the increase in profile-drag power could be used as
a correction to the incompressible power values given on the previously
described analytical charts.

* Since the airfoil used in this study stalled at an angle of attack 0
of about 100 or 110, it may be seen from the angle-of-attack contour
lines of figure 4 that a fairly large area of the rotor disk is stalled,
and it might be of interest to see how the power losses are distributed
between the advancing and retreating blades.

* Figure 5 shows such a distribution. Profile-drag power coefficient 0
is plotted against azimuth angle for both tip speeds. Values of blade
aximuth ' from 00 to 1800 correspond to positions of the advancing
blade and from 1800 to 3600 to positions of the retreating blade. The
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area under each curve is proportional to the power loss, and for the lover
tip speed (with little or no compressibility losses), it may be seen that
the advancing blades (with low angles of attack but high velocity) and the
retreating blades (stalled but with lower velocities) contribute about 0

equally to the total loss. For the higher tip speed, however, there is
soce change on the retreating side but a very large increase on the
advancing side. It is thus seen that, for this case, the effect of com-
pressibility is greatest on the advancing side and is far greater than
the increase in power due to stall already present on the retreating side.

CONCLUDING RD4ARKS

In sumary, it might be said that, except perhaps for very special-
ized purposes, the extension of the general rotor theory by explicit
analytical means has been carried about as far as is considered feasible.
Effects of stall, compressibility, and other design variables on rotor
power requirements, as well as stability and control and loads and vibra-
tion characteristics, may be numerically evaluated with high-speed com-
puting machines, with the analytical theory serving as a base line for
interpreting and extending the results of the numerical computations.
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A DISCUSSION OF FORWARD-SPEED LIMITATIONS INTRODUCED

BY STALL AND MACH NUMBER EFFECTS •

By F. B. Gustafson and Robert D. Harrington

Langley Aeronautical Laboratory

The subject of forward-speed limitations is distinguished from ordi-
nary power-required considerations where small percentages are treated
in that "limits," so-called, involve extreme increases in power plus dif-
ficulties of stability and control, vibration, and blade stress.

There are classes of helicopter uses, including the ship-to-shore 0
type of assault mission on the one hand and commercial feeder-line trans-
portation on the other, where increased speed has great value. Also,
even for limiting forward speeds of only 80 mph or so, design compromises
with hovering are often involved. This paper therefore reviews the cur-
rent knowledge on forward-speed limitations. Part of this material is
well-known but it is included for completeness. 0

The first of these limitations to be discussed is blade stalling.
It is well-known that the blade on the retreating side encounters stalling
at high forward speeds. Since this blade goes backwards, it operates at
lower air velocities with increased forward speed and, to maintain its
lift, operates at higher and higher angles of attack. •

This problem has already been explored experimentally for the auto-
giro (ref. 1), but since the problem is somewhat different for the heli-
copter, additional studies have been made. These studies have been sum-
marized in figure 1.

As the first step, tuft studies of blade stalling were made in ref-
erence 2. It was found that existing theory could predict the condition
at which stalling would begin. Nqte that on the lower sketch in figure I

located. The figure shows that the approximate rate of growth of the

stalled area was predictable, as indicated by the upper contour plot 0
which corresponds to severe stalling.

For these predictions, available wind-tunnel section data on the
stall angle of an actual rotor-blade specimen, as tested at the correct
Reynolds and Mach numbers, were used.

The next characteristic studied was performance as affected by
stalling (refs. 3 and 4). When the measured rotor profile drag-lift
ratio was divided by a value deliberately calculated on the assumption

*0 0 0 9
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of no stalling and plotted against the calculated blade section angle of
attack at the retreating tip, an abrupt rise occurred from about 1.0 at
a tip angle of 120 to about 2.0 at a tip angle of 160. By means of a a

different method of calculation, it was found that an increase of this
order is predictable from wind-tunnel section data for stalled airfoils.

At the same time, it was found that the expected effects on vibra-
tion and difficulty of control showed up soon after initial stalling.
With the test helicopter, the limit for maintaining steady flight corre-
sponded to conditions such that the calculated tip angle of attack was
40 beyond the section stall angle or, in other words, at 160. Beyond
this condition, vibration and control difficulties were so severe as to
make steady flight impossible. For this aircraft and for later designs
for which similar flight test results are available, typical section
stall angles have been around 120 or 130; thus, if the 40 increment is •
assumed to apply, the limit for steady operation is indicated to corre-
spond thus far to 160 or 170 tip angle of attack.

So far it has been found practical to study all these results in
terms of the predicted tip angle of attack on the retreating side. It
is anticipated that, for cases where the angle-of-attack distribution 0
over the rotor disk differs greatly from that for the test helicopters,
deviations as to rate of increase of power required will occur; there
is also some experimental indication of appreciably different rates of
change for different blade contours, possibly due to variance in defor-
mation under load. For more varied reasons, such as the degree of irre-
versibility in the control system, the limiting condition for steady •
flight would not always be that for a calculated tip angle just 40 beyond
the section stall angle. As far as can be seen, however, the procedure
of correlating these items with the calculated tip angle should remain
a useful one for a wide variety of types and conditions.

The outstanding way to delay the limits imposed by stalling appears 0
to be to increase the rotor tip speeds, since both the average angle of
attack and the tip-speed ratio are then reduced. Sooner or later this
procedure leads to compressibility-effect limitations.

Compressibility is most naturally thought of as an advancing-tip
problem, where the forward speed adds to the rotational tip speed. 0
Actually, the force-break Mach numbers are so much lower at high angles
of attack that Mach number has thus far, for production designs, been a
problem which could instead affect the amount of stall on the retreating
side.

If, however, the probable rate of growth of losses is considered, •
and, particularly, operation at distinctly higher tip-speed ratios than
current ones is anticipated, then the extent to which stall can be
delayed by increased tip speed again appears likely to be determined

00
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essentially by the conditions for which compressibility problems on the

advancing side become excessive. The example presented in the previous
paper by Alfred Gessow and Almer D. Crim is a good illustration.

A conservative limit for the advancing tip, which was formerly used
for lack of better information, would be the condition where the blade
tip reached the critical Mach number (speed of sound attained locally on
blade surface) as derived from low-speed pressure-distribution data or
from theoretical pressure-distribution values. There are at least the 0
following reasons, however, for being more optimistic:

First, as is well-known, section data for drag-divergence (force-
break) Mach number commonly show values higher than those just described;
this is particularly true for sections having relatively low critical
Mach numbers. Since force-break data for the advancing-side section 0
angles of attack are now available for most airfoils of interest, this
step is somewhat obsolete; that is, it is possible to forget the derived
critical values and start with the measured force-break values.

Next, it appears likely that the rotor blade tip can reach a Mach
number about 0.06 higher than the measured section force-break value 0

4 before the force break occurs on the actual blade tip. In terms of
helicopter limiting forward speed, an added 10 or 15 mph is thus indi-
cated for fixed tip-speed ratios. It has been found in studies of pro-
peller efficiencies that to obtain best agreement between theory and
experiment, an increment of 0.06 at the tip, dropping linearly to zero
at 0.CJ propeller radius, should be used. The section data are in effect *

" shifted bodily to higher Mach numbers in accordance with these increments.

The mechanism involved has not been completely investigated but may
logically be viewed as relating to three-dimensional flow at the tip.
Wind-tunnel tests of drag rise for the tip portion of a propeller blade
showed a similar increment (see fig. 18 of ref. 5). Tower tests of a

m- helicopter rotor, necessarily in the hovering condition, also lend plau-
sibility to such an increment, particularly when consideration is given
to the known surface defects of the blades tested (ref. 6).

Another item is the small initial disk area affected, just as was
discussed with stalling. When initial power losses and, also, the blade
bending stresses associated with lift-coefficient changes are considered
tolerable, there remains the question of blade pitching-moment changes
as they affect blade torsion and in turn stability and control. In this
connection there are again some favorable circumstances.

Although beyond the drag rise the drag only goes up, the moment coeffi-
* cients for some sections wobble first one way and then the other with the

result that moments on adjacent blade portions, at different Mach numbers,
will partially cancel. Also, for some blade profiles the Mach number at
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which the large changes in pitching-moment coefficients begin is mate-
rially higher than the drag-rise Mach number. The tower tests already
mentioned for a rotor in the hovering condition showed that, for rotor 0
blades having NACA 23015 airfoil sections, the blade pitching-moment
change as measured in the pitch-control mechanism is indeed postponed
materially beyond the initial power increase.

In summarizing this phase of the problem, there are four separate
favorable considerations as regards limiting Mach numbers for the 0
advancing tip:

(1) difference between section calculated critical values and meas-
'ured section force-break values

(2) "tip relief" 0

(3) the initially small disk area affected

(4) in some cases, difference between drag-rise Mach number and that
for serious moment changes.

* 0

On the adverse side it must be remembered that some allowance must
be made for practical-construction defects in surface contour and finish
and, also, that some safety margin will often be required to allow for
maneuvers.

* Since compressibility problems can arise either with the high angles S
on the retreating side or the low angles on the advancing side of the
rotor disk, a good question is, what about the intermediate angles which
occur at the front and rear of the rotor disk? Figure 2 illustrates the
possibility of almost simultaneous occurrence of compressibility effects
at all azimuth values. In this figure the section angle of attack as

• the ordinate is plotted against the Mach number as the abscissa. The S
solid line represents the highest Mach number reached at any point on the
sample rotor for each value of section angle of attack. It was obtained
by reading values from contour plots similar in nature to the example
given in the previous paper, but for a flight condition which was chosen
to illustrate a different aspect of the problem.

The point marked (3 comes from the advancing tip and thus has the
highest Mach number. The point marked 0 comes from the retreating tip.
The line in between is made up of points from the front or the rear of the
rotor disk. Angles of attack below about 30 are found only at inboard
radii and hence the corresponding maximum Mach numbers are lower which

* accounts for the part of the curve below point ® . 0

The dashed line represents the force-break Mach number as obtained
from wind-tunnel airfoil-section data. This line is fixed once the

0 0
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airfoil section is chosen. The line for the rotor, however, will move to
the right in a proportionate manner if a higher tip speed is assumed and
will have a steeper slope if a higher tip-speed ratio is chosen. Thus,
near this tip-speed ratio there could be a combination of conditions
where the initial compressibility problems would not be confined to the
advancing and retreating blade tips. (The flight condition for the angle-
of-attack contour plot used corresponds to: inflow ratio, A = -0.0695;

tip-speed ratio, 4 = 0.30; and collective pitch, 8 a 110.) 0

Although most of the comments made previously for the advancing side
apply here also, there would be far less chance, for this rather special
case, of tolerating conditions far beyond initial force or moment breaks.

In spite of the eventual conflict between stalling and compressi- 0
bility losses, if present production designs are considered as a base
line, it appears from such studies as have been made (including those
of ref. 7) that increased tip speeds first and tip-speed ratios later
may well be the cheapest methods per mile per hour for obtaining moderate
increases in helicopter limiting forward speeds. However, as may be
inferred, the characteristics of rotors operating with high forward speeds 0
and high tip speeds combined are not yet experimentally established. The
basic question is whether the characteristics of such rotors can be pre-
dicted by using airfoil-section data, even when relatively exact analyses
of the sort discussed in the previous paper are used. It is hoped that
this question may be answered by means of a special wind-tunnel apparatus
which is being constructed. 0

Some of the other methods, aside from increased tip speeds and tip-
speed ratios, which help delay both stall and compressibility limits are
listed in table I.

First, an increased number of blades can be used as one means to
increase the total chord. The average angle of attack is thus reduced 0
and stalling delayed. The added number of blades also serves to reduce
the vibration transmitted to the fuselage - a problem which tends to be
aggravated by the higher tip-speed ratios appropriate to high-speed
designs.

4 A relatively high blade twist may be used. By reducing the tip 0
angles of attack, both stall and compressibility effects are delayed.
An angle of twist of 120, for example, as compared with no twist might
delay both stalling and compressibility limits by about 10 to 15 mph at
fixed rotational tip speed. Discussion of effects of blade twist may
be found in references 8 and 9. There appeared to be a possibility that

4 unusually high twist values might lead to higher periodic blade stresses 0
and, hence, increased vibration and reduced fatigue life; however, a
theoretical check for one sample case showed no significant difference,

a 0
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suggesting that increased twist can be used. It is believed that the
net effect of blade twist on blade fatigue life my be either favorable
or unfavorable depending on the individual design.

Another approach is drag reduction. The reduction of parasite drag
acts as a substitute for blade twist in delaying tip stall, entirely
aside from the direct effects on power required as discussed in a sub-
sequent paper by Robert D. Harrington.

Provided that the design has some means other than the rotor con-
trols for balancing moments, offset hinges can be used in such a way as
to reduce the angle-of-attack variation around the disk and hence to
delay stalling. The design compromises here are more difficult to judge
than for the preceding methods. The point seems worth mentioning, how-
ever, since offset hinges will in any event serve to minimize a stability 0

problem which, as described in reference 10, has been anticipated for
high-speed designs.

The list of methods just discussed is not complete, especially
regarding more complex approaches such as use of boundary-layer control
to delay stall. To name two still more basic configuration changes, a 0

propeller can be used to change the forward tilt required and thus even
out the angle-of-attack distribution much like blade twist does, and a
fixed wing can be used to unload the rotor and delay both stall and Mach
number limitations.

The problems and possibilities of use of fixed wings to unload the 0

rotor are very extensive and the next paper by John W. McKee and Robert J.
Tapscott treats of some specific investigations now underway on this
subject.

In sumary, it appears feasible to obtain at least moderate increases
in helicopter forward speeds even aside from major configuration changes.

That such increases in speed can be obtained relative to speeds representa-
tive of helicopters actually in general use has been well-demonstrated by
speed records made with new designs within the past year. As is well-known,

these records are around 150 mph. Still further increases can be expected
but, since the amounts are not clearly predictable, both theoretical and
experimental studies are in progress in an attempt to clear up the more
basic uncertainties in this field.

0
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TABLE I

METHODS FOR DELAY OF FORWARD-FLIGHT LIMITS

METHOD PURPOSE

MORE BLADES PROVIDES INCREASED SOLIDITY TO
DELAY STALL; REDUCES VIBRATION
TRANSMITTED TO FUSELAGE

HIGHER BLADE DELAYS STALL AND COMPRESSIBILITY
TWIST

REDUCED DELAYS STALL
PARASITE DRAG

OFFSET HINGES DELAYS STALL IF SUFFICIENT MEANS
PROVIDED FOR BALANCING MOMENTS;
REDUCES DECAY IN PITCH AND ROLL
DAMPING MOMENTS

•0
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AN EXPLORATORY INVESTIGATION OF UNLOADED ROTORS

By John W. McKee and Robert J. Tapscott 0

Langley Aeronautical Laboratory

INTRODUCTION

In the previous paper by F. B. Gustafson and Robert D. Barrington,
the limitations of forward speed brought about by stall of the retreating
blades and Mach number effects were discussed. The possibility of delaying
these limitations by unloading the rotor with a fixed wing and providing
a propeller to take over the propulsive duties of the rotor was mentioned. 0
The rotor would then be running under conditions quite different from those
of normal helicopter operation. The tip-speed ratio would become abnorm-
ally high and the rotor would be absorbing little power, perhaps autoro-
tating. The rotor would become an unnecessary appendage in high-speed
flight, but the question that arises is: Will the unloaded rotor be a

4 troublesome appendage? It is the purpose of this paper to discuss some 0
of the characteristics that are known of rotors operating in this unloaded
condition.

DISC USION

Aircraft configurations combining rotary and fixed wings are not
novel. Figure 1 shows the Pitcairn PCA-2 autogiro. It was similar to
the suggested configuration, having a propeller and a fixed wing which
partially unloaded the rotor. The PCA-2 autogiro was tested at Langley

* 20 years ago and considerable data were obtained and published which are
of current interest from the point of viev of an autorotating unloaded
rotor. These data include flight tests of the complete autogiro and tun-
nel tests of the rotor alone (refs. 1 to 5).

The PCA-2 data show that the amplitude of the blade flapping motion
* increased with tip-speed ratio, and in the low angle-of-attack, high tip- 0

speed-rat1o range, where low rotor lift coefficients were obtained, the
rotor speed was very sensitive to angle-of-attack change. The PCA-2 auto-
giro was extremely sensitive to control motions and gusts, in flight at
high speeds, or perhaps more relevant, at high tip-speed ratios. The
records of some abrupt turns, with approximately 4g accelerations, show

* that the portion of the lift carried by the wing rose as high as 65 per-
cent and fell as low as 5 percent. In the flight tests, 145 miles per
hour was the highest recorded flight speed, 45 percent of the load was
the most carried by the wing in steady flight, and 0.77 was the highest
tip-speed ratio.

0 04
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Helicopter rotor data are generally limited to tip-speed ratios of
about 0.4, vith flight experience limited to about 0.3. In view of the
current interest in increasing the high-speed potentialities of helicop- 0
ters, tests have been made in the Langley 300 MPH 7- by 10-foot tunnel
of some simple two-blade rotor configurations for the condition of auto-
rotation. The tests were undertaken to study further some rotor operating
characteristics, to explore the extreme upper limit of tip-speed ratio,
and to determine the effect of change of some rotor geometric parameters.

* A simplified sketch of the rotor model is shown in figure 2. The blades 0
had symmetrical 12-percent-thick sections and were mass balanced at the
quarter-chord line. Several sets of blades were tested with a range of
blade mass constant 7 from 2.3 to 14.5. The rotor was tested free to
cone (designated "coning" in figures) with a flapping hinge having zero
hinge offset and also tested with the two blades fastened together to
form a seesaw rotor. The axis of the flipping hinge was perpendicular 0
to the blade span, and stops limited the flapping to approximately +280
and -23 ° . No drag hinges were provided.

Two types of data were obtained: (1) steady state and (2) the
response of the rotor to a sudden change of angle of attack.

Some of these data for the steady-state conditions are shown in
figure 3. Tip-speed ratio & and maximum up and down flapping angle
0 of the autorotating seesaw rotor with blades of mass constant - of
14.5 ,tnd blade pitch angle 0 of 00 are presented for an angle-of-attack
range of -60 to 120. The blade mass constant 7 is a nondimensional

* term thit expresses the ratio of air forces to mass forces. A typical •
helicopter value of 7 is about 8 and these blades with y of 14.5 are
rather light blades. The seesaw rotor is shown to operate through the
complete angle-of-attack range. The points of greatest interest are
found in the region of a equal to 00 where the lift would be low, the
unloaded rotor condition. A tip-speed ratio of about 2.0 is present from

*a - -30 to a - 20 and the tip-speed ratio changes rapidly with angle 0
of attack from 20 to 40. The amplitude of maximum flapping is high where
the tip-speed ratio is high. Shaded areas are shown in the angle-of-
attack range where the higher tip-speed ratios are found. These areas
indicate that variations in rotor rotational speed and maximum flapping
amplitude were present.

The free-to-cone rotor, shown in figure 4, also having a value of
blade mass constant of 14.". and zero blade pitch angle, has a maximum
tip-speed ratio of 1.3 at an angle of attack of 10. The tests were run
using 10 increments of angle of attack, but Just slightly below a - 10
the positive flapping exceeded 280 and the forward blade was hitting the

* up-flapping stop. Attempts to run in the negative angle-of-attack range
were unsuccessful as the down flapping of the forward blade wanted to
exceed the stop setting of -250.

* 000 0 0 0 0 0 0
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A tendency was noted, in these regions of variuble operation, for
the rotor characteristics to be unfavorably affected by reductions in 0
the test airspeed. The data shown in these and subsequent figures were
obtained at an airspeed that matches dynamically the condition of a
4-foot-diameter rotor at a forvard speed of 260 miles per hour.

It was very difficult to achieve good blade tracking at the high
tip-speed ratios. A small change of blade pitch angle or difference in 0
blades due to construction tolerances had a big effect on the tracking
behavior.

Figures 5 and 6 show the effect of blade pitch angle 8 for the
seesaw and free-to-cone conditions, respectively. These curves present
the extreme values of flapping angle 0 and tip-speed ratio p in the •
regions where variable behavior was experienced. For the seesaw rotor
(fig. ;), there is no significant effect to be noted except a shift along
the angle-of-attack scale. For the free-to-cone condition (fig. 6),
blade pitch angle reduced the positive angle-of-attack operating range.
It was possible to run in a limited negative angle-of-attack range, but
extreme values of downward flMapping are shown. 9

Figures 7 and 8 show the effect of blade mass constant y on the
operating characteristics. There is shown a trend, at a low angle of
attack, for the rotational speed to be lower, or p to be higher, for
the heavy blades; that is, those with low values of y. The driving
force here would be mainly attributable to drag differences between the •
retreating blade operating entirely in reversed flow and the advancing
blade. The rib and silk covering construction of the light blades pre-
semably caused greater drag differences than the solid construction of
the hewy blades. Although the heavy blades reached higher values of
p, the flapping of the heavy blades was considerably less than that of
the light blades. 0

For the free-to-cone condition (fig. 8), the heavy blades had some
negative angle-of-attack range of operation but the range was limited
by excessive downward flapping. An even heavier blade, 7 a 2.3, not
shown in this figure, would operate through the angle-of-attack range,
experiencing downward flapping of 150 from a a O0 to . a -20 .  0

It should be emphasized that where data are not shown the rotor
blades were hitting the flapping stops although generally the rotor con-
tinued to rotate. The flapping limits, up 280 and down 230, were rather
generous in terms of angles normally encountered by helicopters, partic-
ularly the down limit. Where large flapping angles occur, they should 0
be attributed to the effect of large tip-speed ratio, with the flapping
of the advancing blade being either up or down as determined by the com-
bined angle of attack and blade pitch angle.

•
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It was found that, if the restriction of autorotation was removed
from the test procedure and the rotor was driven by a motor to maintain
a sufficiently high rotational speed, operation through the angle-of- .

attack range was possible with even the lightest blades for the free-to-
cone condition. Figure 9 presents again the autorotation data of the
rotor with y = 5.6 and 14.5. Data obtained from powered operation,
maintaining a tip-speed ratio not greater than 1.0, have been added.
The tendency to have large downward flapping angles at negative angle
of attack is still present, especially for the light blades. •

The effect of blade mass constant y on the maximum up and down
values of flapping angle 3 for the free-to-cone rotor with blade pitch
angle equal to zero was also studied by means of some theoretical calcu-
lations. These calculations were made using an iterative procedure that
consisted of starting with an estimated set of flapping coefficients, 0

inserting these coefficients into the conventional blade flapping-moment
equilibrium equation (for example, eq. (6-2) of ref. 3), and then solving
the resulting equation to obtain a new set of coefficients. The process
was repeated until the "input" and "output" flapping coefficients differed
by a negligible amount. In order to take into account blade stall and
the region of reversed velocity, as well as to avoid some limitations of 0

conventional analytical theory such as assumptions regarding small angles
and the dropping of high powers of tip-speed ratio, the blade flapping
equation was integrated numerically by means of automatic computing
machines.

Figure 10 shows a comparison of the theoretical maximum flapping 0
angles and experimentally determined values as a function of y. At a
tip-speed ratio of 1.0, both theory and experiment show increasing values
of flapping, in the positive direction, as blade weight decreases and y
increases, with the experimental values being somewhat higher than the
calculated angles. At a value of 4 of 2.2, the calculated flapping
angles show a very rapid increase as y increases. Two test points at 0
a value of p of 2.0 are shown at values of y of 2.3 and 5.2 which
are in general agreement with the calculated amplitude for a value of p
of 2.2. The other sets of rotor blades with values of 7 of 5.6, 11.4,
and 14.D would not run at a value of p as high as 2.0.

After the steady-state operating range of the various rotor config- 0
urations had been established, tests were made to determine the response
of the rotor to sudden angle-of-attack changes. In each test of this
type, steady-state operation was first established and then the angle of
attack was given a sudden incremental change, either plus or minus, of 20.

Figure 11 presents some of the recorded data for the free-to-cone 0
rotor with light blades subjected to a sudden change in angle of attack
from 3 to 50. Plotted as a function of time are a, p, and the enve-
lopes of maximum up and down values of 3. It can be seen that the rotor

*0 0 0 0 0 0

*0 0 0 0 0



* 103
l" I

rotational speed, as evidenced by the gradual reduction of p from the

initial value of about 0.8, did not show an extreme sensitivity but that

the positive flapping experienced an immediate and very large increase

in amplitude. In the time of one rotor revolution, the maximum positive

p increased from an initial value of 16.50 to 27.50. This is equivalent

to a tilt of the tip-path plane 2.5 times greater than the angle-of-

attack change. At a time of 6 seconds after the step in angle of attack,
the rotor had essentially stabilized at its new trim operating condition.

The maximum up and down values of flapping angles before and immedi-

ately after a 20 increase of angle of attack are shown in figures 12 and

13 for two values of y and for the seesaw and free-to-cone conditions,

respectively. It is quite evident that the increment of flapping tends

to follow the same trend as the steady-state flapping; in particular the

flapping is greater at the lower initial angles of attack 
where the tip-

speed ratio is high. The results obtained from 20 decreases of angle of

attack were less alarming in that if the initial angle of attack was posi-

tive, the flapping always tended to decrease.

CONCLUDING REMARKS 
0

In order to overcome limitations of the high speed of helicopters,

it has been suggested that the rotor could be unloaded by the use of fixed

wings. As forward speed increased, the rotor would operate at tip-speed

ratios higher than those normally encountered and it is logical to assume

that new problems in rotor operation would appear. A review of some old

autogiro data and tests of some rotor configurations for the condition of

autorotation have been made. These tests were exploratory in nature and

help to define and serve to illustrate the nature of rotor characteristics

at high tip-speed ratios. The results of the tests, obtained with the

* use of a very simple type of rotor, leave unanswered many questions of •

the effect of parameters such as hinge offset and skew. It was found

that flapping amplitude increased with tip-speed ratio and that erratic

variations of tip-speed ratio and blade-flapping behavior were present

at the higher tip-speed ratios. The seesaw rotor had more desirable

characteristics than the free-to-cone rotor and heavy blades resulted

in less flapping than light blades. 
•

0
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WIND-TUNNEL STUDIES OF THE PERFOR4ANCE OF

MULTIROTOR CONFIGURATIONS

By Richard C. Dingeldein

Langley Aeronautical Laboratory

SL444ARY

The power requirements measured in static thrust and in level for-
ward flight are presented for two helicopter rotor configurations. One
is a coaxial rotor arrangement having the rotors spaced approximately
19 percent of the rotor radius; the other is a tandem configuration in
which the rotor-shaft spacing is 3 percent greater than the rotor diam-
eter and in which the rotors lie in the same plane. The experimental
measurements are compared with the results of calculations based on
existing NACA single-rotor theory. 0

INTRODUCTION

For several years a general research program on the subject of
helicopter rotor configurations has been underway at the Langley full-
scale tunnel. This program is set up to evaluate different rotor
arrangements on the basis of relative aerodynamic efficiency and, in its
broadest sense, may involve measuring for various flight conditions the
power required, the blade motions, the flow angles in the rotor wake,
and the rotor static stability. The advantages and disadvantages asso-
ciated with different rotor configurations in regard to such things as
overall dimensions, center-of-gravity travel, structural weight, and
so forth, are generally known and are not repeated here. These are
items the designer must evaluate for himself and consider along with
the aerodynamic gains or losses. The purpose of the general research
program is to provide this latter information.

This paper presents some of the results obtained so far on two
rotor configurations - one a coaxial arrangement and the other a tandem
system having no rotor overlap or vertical offset. The emphasis is on
the power requirements in hovering and in level flight, and a comparison
between the experimental results and what can be predicted from the
available single-rotor theory is included. I.
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SYMBOLS

D propeller diameter, ft 0

n angular velocity, radians/sec

R rotor radius, ft

CT rotor thrust coefficient, Rotor thrust

P(QR)2KR2

CQ rotor torque coefficient, Rotor tarue

p(flR)'x]R'

Protor tip-speed ratio

P air density, slugs/ft3

TEST EQUIPMENT 0

The rotor configurations tested are shown in figure 1. The coaxial
rotor system was part of an actual helicopter and had a diameter of
25 feet and a rotor spacing equal to 19 percent of its radius. Each
rotor had two blades, and the total solidity of the coaxial configura- •
tion, based on the projected area, was 0.05 4. A complete description
of this equipment is given in reference 1.

The tandem model had two two-blade rotors 15 feet in diameter. The
rotor shafts were parallel. Each rotor had a solidity of 0.054. The
blades were untwisted and untapered and had an NACA 0012 airfoil section. 0
This is a general research model constructed to investigate side-by-side
and tandem rotor arrangements. The rotors could be moved toward each
other to mesh the blades up to 75 percent of the radius and could be
offset vertically to cover a range of gap ratios of interest in tandem
helicopters. The results discussed in this paper are confined to the

* tandem configuration shown in figure 1, for which the rotor-shaft 0
spacing was 3 percent greater than the rotor diameter.

RESULTS AND DISCUSSION

It is known from some early flow-visualization studies that the air
flow through and around rotors operating near one another may be very

* •
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different from what occurs for an isolated single rotor or from what is
considered in the general rotor theory. As an illustration, figure 2

4shows the flow through a model coaxial rotor in a hovering condition.
* BlNsa-wood dust introduced into the air above the rotor defines the flow

lines associated with the blade-tip-vortex filaments and, in this case,
indicates the strong downflow affecting the lower rotor inboard of the
0.8-radius station. Since this configuration is usually operated with
equal power input to each rotor to provide trim in yaw, there would be a

*tendency for the tips of the lower rotor to stall at the higher thrust
coefficients. Because of the unsymmetrical downflow over the lower
rotor, some question would exist as to whether the single-rotor theory
would apply in making a performance analysis of this configuration.

* Static Thrust

Coaxial rotor.- The static-thrust performance measured on the full-
scale coaxial rotor shown in figure 1 is given in fiL-ure 3, in which is
plotted the variation of rotor thrust coefficient and rotor torque coef-
ficient for the coaxial rotor configuration and for the upper and the

* lower rotors tested separately. There were some rather obvious contour
defects on these blades which made it desirable tc test the rotors
separately in order to adjust the drag polar to bi used in succeeding
theoretical calculations. The polar was initially determined for the
airfoil section at the 0.75-radius station considering smooth blades
by using the method of reference 2. 9

The extent of the adjustment was to alter the value of the constant
term of the polar to provide agreement with the measured data at zero
thrust. The circles represent data points measured on the upper and
lower rotors tested separately, and the curve shows the calculated per-
formance based on the adjusted drag polar and using blade-element momentum 0

* theory (ref. 3). Data points measured on the coaxial system, trimmed in
yaw, are plotted as squares. The curve passing through most of these data
points represents the calculated hovering performance of a single rotor
having the same solidity as the coaxial arrangement. It is seen that the
performance of this equivalent single rotor closely approximates the
measured coaxial results. The measurements show the coaxial rotor to be 0

* slightly more efficient as the thrust coefficient is increased, although
this advantage disappears at the highest thrust coefficients shown, per-
haps as a result of stalling on the outboard portions of the lower rotor.
A similar comparison with theory has also been obtained on a different
coaxial rotor system havirg about the same rotor spacing but approximately
three times the solidity of this rotor (ref. 1). The general conclusion 0

6 is that the available single-rotor theory can be used to predict the
static-thrust power requirements of a coaxial rotor with fairly good
accuracy.

, .
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a dem rotor.- The static-thrust performance of the tandem configu-
ration (which, in hovering, can also be considered as a side-by-side 0

rotor arrangement) is shown in figure 4, with circles showing measured
points obtained for one rotor, squares showing the points measured on
the tandem configuration, and a single curve representing the calculated

performance for both of these configurations (ref. 3). Again, the agree-
ment is excellent for the single rotor. The measured performance of the
tandem rotor is much better than that for the single rotor. At a typical 0
thruEt coefficient of 0.0055, the measured data show approximately
18 percent less power required than for the single rotor. This improved
performance may be due to a reduction in induced power associated with
a favorable interference effect. The two rotors in combination may
influence a larger mass of air than the total of what they would influ-
ence if placed far apart. As a result, the induced velocity would be 0
lower and the induced power would be reduced. Improved hovering per-
formance of the order shown in this figure would occur if the effective
disk area were increased by 15 or 20 percent. This amount is roughly
equivalent to the cusp-shaped areas between the two rotor disks. From
a practical standpoint, however, this improved hovering efficiency may
not be so important after all, as is discussed later in this paper. 0

Level Flight

Coaxial rotor.- The horsepower required for a coaxial helicopter
using the rotor system tested and operating in level flight over a range 0
of tip-speed ratios at a constant rotor thrust coefficient and tip speed
is shown in figure 5. For this small coaxial helicopter, an equivalent
flat-plate parasite-drag area of 10 square feet was used. Measurements
made with one rotor compared with a calculated performance curve based
on references 2 and 4 and corrected empirically for the effect of blade
stalling (ref. 5) show very good agreement. The test results obtained 0
with the coaxial rotor, trimmed in yaw, are shown at the top of the
figure. The hovering point is also given, together with the power
estimated for a single-rotor helicopter of equivalent solidity.

The data measured by using the coaxial rotor arrangement show that
up to 14 percent more horsepower is required for this configuration than 0

would be required for a single rotor of equivalent solidity operating
under the same conditions. This difference represents increases in pro-
file and induced power associated with rotor interference effects, but

so far analysis based on the available theory has not indicated how these
losses arise. The indications remain, however, that the coaxial arrange-

ment tested required more power in forward flight than an equivalent
single rotor, although there are certain advantages to the configuration
which may offset the larger power requirement in certain applications.
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Tandem rotor.- The level-flight performance curve obtained by using
the tandem rotor configuration tested, as well as a breakdown of the
power going into the front and rear rotors, is given in figure 6. The 0
equivalent flat-plate parasite-drag area used in this test was 2 square
feet, which is representative of a very clean tandem helicopter. This
test was made with the total rotor thrust measured on the tunnel balance.
The circles designate the points obtained with one of the rotors removed.
There is quite a bit of scatter in the data; however, the calculated
performance curve (refs. 2 and 4) is a good fairing of the test points •
and shows the accuracy of the theory in predicting the forward-flight
power requirements for this particular set of rotor blades.

Next, the rear rotor was added to form the tandem configuration.
The resultant rotor lift and useful drag forces that were set at each 0
tip-speed ratio for the single rotor were doubled for the tandem arrange-
ment by adjusting the controls of the rear rotor only. The reduced
downwash field in the plane of the front rotor created by the rear rotor
probably resulted in greater lift on the front rotor, which means that
the measured performance data are representative of a tandem helicopter
having its center of gravity located slightly forward of the midpoint
between the two rotors. The power absorbed by the front and rear rotors 0
was measured at each tip-speed ratio and is plotted separately in the
figure. The single-rotor theory is seen to be applicable to the front
rotor of this particular tandem arrangement. The power required by the
rear rotor is considerably higher. Most of this difference represents
greater induced losses, since flow surveys show that the rear rotor is
operating in the fully developed downwash of the front rotor (see ref. 6). 0
If this is taken into account in applying the rotor theory, a curve that
is in fair agreement with the measured points is calculated. Adding the
power required for the front and rear rotors gives the diamond-shaped
points, which are compared with the equivalent calculated curve. Agree-
ment with the theory tends to be good at low and at high tip-speed ratios.
However, the measured power is higher than the calculated power at 0
cruising conditions, much the same as noticed for the coaxial rotor,
although the percentage difference is much less. An important thing to
see here is the unusual shape of the measured tandem-helicopter power-
required curve at the low-speed end. Instead of the customary flattened
performance curve, the increased hovering efficiency that was measured
on the tandem and discussed previously in this paper has reduced the S
hovering power required so that the curve has a different shape. The
manner in which the measured data points should be faired at the extremely
low values of tip-speed ratio has not been determined from these tests.
This favorable interference effect is probably confined to a true hovering
condition and probably disappears at extremely low forward speeds. It is
therefore not expected to be of any practical importance. S

o
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CONCLUDING REMARKS
0

As a result of these tests, it appears that the power requirements
of a coaxial rotor in static thrust can be predicted with good accuracy
from the available theory, although more power is required in level
flight than for the equivalent single rotor. The tandem rotor configu-
ration which has the rotor shafts spaced approximately a rotor diameter

4 apart is indicated to have greatly improved hovering efficiency that is
probably due to a reduction in induced power, but which is not expected
to be of any practical importance. The power requirements for this
tandem arrangement in level flight can be predicted fairly well from the
available single-rotor theory by considering the rear rotor to be oper-
ating in the fully developed downwash of the front rotor. 0
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AN INVESTIGATION OF RAM JETS FOR HELICOPTERS

4 By Paul J. Carpenter and Edward J. Radin 0

Langley Aeronautical Laboratory

The use of blade-tip-mounted jet engines to drive helicopter rotors

is being considered for applications where a high payload-to-gross-weight 0
ratio for short durations is a primary consideration. A program, there-
fore, was initiated to determine the characteristics of ram-, pulse-, and
pressure-jet-driven rotors. The objective of these tests was to provide
an understanding of the problems peculiar to jet-driven rotors and to
provide basic information on the thrust characteristics of jet engines
operating in a high centrifugal acceleration field at the tip of the 0
whirling blade.

The first tests were with a small ram-jet-powered rotor (refs. 1
and 2) and this paper deals primarily with a discussion of those tests.
The installation of the rotor is shown in figure 1. The figure shows

4 the tower, the rotor, the blades, and the engines. Fuel was supplied 0
to the rotor by an overhead line, transferred to the blades through a
rotating fuel seal, and thence out to the engines. A separate ignition
coil was provided for each engine.

A sketch of the ram-jet engine used is shown in figure 2. The
4 engine was developed for the U. S. Air Force to be used for a small 9

one-man helicopter. It has an overall length of 18 inches, a maximum

diameter of 7J inches, and a weight of about 9k Pounds. The sketch

shows the inlet, the diffuser, the radial flameholders, the spray nozzles,
the combustion chamber, and the exit nozzle.

Because considerable testing and development work on ram-jet engines

is done on static thrust stands by utilizing a free-air jet of about the
same diameter or even smaller than the engine diameter, it is pertinent
to describe the methods used in obtaining the engine thrust characteris-
tics both in a free-air-jet thrust stand and on the whirling rotor blade.
With a small-diameter air jet, the true external drag is not realized 0
and unless care is taken to correct these results, the data so obtained
are not indicative of the propulsive thrust that would be obtained with
the unit completely immersed in the airstream.

The propulsive thrust Fp is the force which the engine exerts
over and above its own drag at 0° angle of attack. The method of obtaining 0
the propulsive thrust in a small free-air jet is as follows:

4 0 0 0 0 0 0 0 0 0
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Fp = (Net force change from power on to power off) - (
(True power-off drag) 0

In the free-air jet, the net force change from power on to power off is
measured. From this force is subtracted the true power-off drag obtained
either in a large wind tunnel or on the tip of a whirling blade.

The whirling thrust is determined similarly as shown by the following 0
equation by measuring the net force change from power on to power off at
a given rotor thrust and tip speed and by subtracting from this value the
true engine power-off drag at 00 angle of attack:

Fp = (Net force change from power on to power off at given tip speed
4 and rotor lift) - (True engine power-off drag at zero angle of

attack) + (Fuel-pumping term)

In addition, for the whirling case the engine must supply the thrust
necessary to accelerate the fuel mass flow from zero at the rotor head
to the speed of the engine. The fuel-pumping term is therefore added

4 to the expression.

In the course of the test program it became apparent that the full
thrust of the whirling engine as indicated by the free-air-jet test
results could not be realized. A comparison of some of the whirling
and free-air-jet results is shown in figure 3. In this figure the pro- 0
pulsive thrust in pounds is plotted against fuel consumption in pounds
per hour. A large decrease in whirling maximum thrust as compared with
the free-air-jet thrust is indicated. The ticks on the curves indicate
the point of minimum specific fuel consumption. Free-air-jet tests with
various fuel nozzles had indicated that the engine thrust was very sensi-
tive to fuel spray wetting the walls which in turn indicated that the
whirling thrust would also be decreased if fuel particles were thrown
against the outer wall under the influence of high centrifugal accelera-
tions. For these particular tests, the centrifugal accelerations were
about 1,500g. Fuel stains inside the burner indicated that a consider-
able amount of fuel was actually being thrown against the outer wall.

As a result of these observations, the analysis section of the Langley 0
Full-Scale Research Division undertook a theoretical study of the paths
of various-size fuel particles in a helicopter-type ram jet. The results
of that study have been reported previously (ref. 3). An illustration
of the fuel-particle paths for a typical operating condition is shown
in figure 4. The resultant paths of particles 0.006, 0.004, and

* 0.002 inch in diameter are shown for an engine speed of 700 ft/sec and
a centrifugal acceleration of 1,500g. By first considering those
particles with an initial straightforward injection path it can be
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seen that the larger particles impinge on the wall toward the forward

part of the engine. As the particle size is decreased, the resultant
paths lie nearer the center of the ram jet. An actual fuel nozzle, of
course, covers a wide spectrum of fuel-particle sizes, but this illus-
tration is sufficient to show the general effect of high centrifugal
acceleration (g) forces. For comparison purposes, the path of a
O.004-inch-diameter particle injected at a 450 angle inboard is also
plotted and its path lies nearer the center of the engine.

Since the centrifugal acceleration appears to exert a large influence
on the engine propulsive characteristics, tests were made using the same
engine at similar speeds and fuel flows but at one-half the former
g loading. This was accomplished by doubling the rotor radius. Some
of the results of these tests are shown in figure 5 as the effect of
centrifugal force on the engine specific fuel consumption. The vertical
scale is minimum specific fuel consumption in pounds of fuel per hour
per horsepower and the horizontal scale is centrifugal acceleration in
g units. Results from the free-air-jet tests, the 18-foot-radius rotor,
and the original 9-foot-radius rotor are plotted for several engine
speeds. The effect in all cases is an increase in specific fuel con-
sumption as g loading is increased. The percentage increase in specific
fuel consumption at a given g loading is larger at the lower tip speeds.
This is primarily due to lower combustion-chamber velocities which allow
more of the fuel particles to impinge farther forward on the engine shell
instead of being swept back into the combustion chamber. It also appears
that for this particular engine, g loads of about 400g or less did not
have any appreciable detrimental effect. In other words, it appears that
there is a cutoff point below which centrifugal effects are negligible.
Larger diameter rotors with resultant low blade-tip centrifugal accelera-
tions will likely not be adversely affected, but this is a real problem
for the designer of small-diameter, high-tip-speed, one- and two-man
machines. 0

Several methods of lessening the detrimental effects of centrifugal
force have been proposed. Among these are vaporization of fuel to achieve
smaller particle sizes, skewing of the combustion chamber to follow the
fuel-particle paths, and radial elongation of the combustion chamber.
Figure 6 shows the particular configurations which are being explored. 0

The first is the original ram jet with a perforated cone set in its
combustion chamber. The cone acts as a hot surface to vaporize those
fuel particles which impinge on it. The fuel nozzle is arranged so that
the major portion of the fuel is injected from the inboard-pointing
nozzle. This modification was tried on the free-air-jet thrust stand.
The vaporization of the fuel plus the added turbulence caused by the
perforated. cone resulted in increased combustion efficiency. The net
effect was about a 15-percent decrease in specific fuel consumption.
Some preliminary whirling tests were attempted with this engine; however,
the increased combustion effiA r reased the available
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combustion-chamber temperature rise that the engine shell was weakened
and collapsed before the engine was up to full operating speed. From a
combustion viewpoint, this was an improvement and the problem now appears 0
to be a purely mechanical one of fabricating an engine and cone to with-
stand the high g loads.

The second configuration embodies the skewed-combustion-chamber idea.
The spray nozzles have been pointed farther inboard so that the fuel-
particle paths will lie close to the center of the combustion chamber. 0
To date only a plastic model of this engine has been built. This model
was built to study the characteristics of the flow in the inlet and dif-
fuser sections. Two small guide vanes were inserted in the inlet in
order to obtain good flow at large skew angles. This inlet was designed
to operate over a range of skew angles so that the angle of the engine
with respect to the blade could be varied to determine the optimum 0
setting. Further power-on tests, however, will be necessary to determine
if any real overall gains can be realized by this method.

Figure 6 represents a flattened-out version of the original circu-
lar engine which is called a two-dimensional ram jet. This flattening
out results in a radial elongation of the combustion chamber and it is 0
hoped that good burning will be obtained even at the high g loads by
proper fuel distribution through the spray nozzles. The shape of the
unit also has an obvious advantage in that it can be faired into the
blade contour thereby reducing its drag or act as an extension of the
blade lifting surface. The figure also illustrates a frontal view of
the engine attached to the blade to extend the lifting surface. This 0
engine has been tested on the free-air-Jet thrust stand and indicated
performance comparable to that obtained with the circular engines. As
yet no data have been obtained with these engines under whirling condi-
tions. In general, there is now an understanding of the major ram-jet
problems and ways are being explored to minimize them.

0
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AN INVESTIGATION OF A PULSE-JET ENGINE FOR HELICOPTERS 0

By Edward J. Radin and Paul J. Carpenter

Langley Aeronautical Laboratory

In addition to ram Jets, the application of blade-tip-located pulse-
Jet engines to power helicopter rotors is of considerable interest. The
engine is relatively simple, has a high ratio of thrust to power-off
drag, has a lower specific fuel consumption than the ram-Jet engine dis-
cussed in the previous paper by Paul J. Carpenter and Edward J. Radin,
and has the characteristic of producing considerable power at the low
speeds. Although these advantages have generally been understood, it was
desired to gain operating experience with an actual installation to give
an idea of the exact nature of the characteristics of the engine, its
limitations, and its advantages. As of now, only that part of the study
made on the Langley helicopter test tower is complete; however, prepara-
tions are underway to determine the nonrotating characteristics, that is,
at zero centrifugal acceleration. The results of the tower tests are
reported in detail in reference 1. The results of the work are now
reviewed with special emphasis on the propulsive characteristics.

A sketch of the blade-engine combination that was used is shown in
figure 1 and the general installation at the tower was about the same
as described in the preceding paper on ram jets. The rotor had a radius •
of about 19 feet to the center line of the engine and had a solidity
of 0.073. This rotor was tested in two configurations: First, the
engine was rigidly attached to the blade spar and, second, the engine
was free to pivot in pitch. In this second configuration, a tail fin
was added to the Jet engine so that the unit stayed at 00 angle of attack
throughout the range of blade pitch angles. This pivoting may be desir-

able in the forward-flight condition to reduce the blade torsional iner-
tia loads as the blade pitch varies during the cycle. Inasmuch as no
difference in propulsive characteristics was noted between the two con-
figurations even at blade pitch angles of 100 to 120, only those results
obtained with the engines rigidly attached to the blade are presented. •

Figure 2 shows a sketch of the pulse-jet engine. This particular
engine was developed for the U. S. Air Force. The engine had an oper-
ating frequency of about 100 cps, weighed 36 pounds, and was about
50 inches long with a maximum diameter of 9.4 inches. The fuel was
injected into the pulse Jet through nozzles located to the rear of the
valve assembly.

Because of the importance of engine drag on autorotative character-
istics, the first phase of the investigation at the Langley helicopter
test tower was to determine '" trag of the engine over a range
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of speeds. The results of these power-off tests are shown in figure 3
in the form of drag coefficient as a function of engine velocity for both C)

the basic engine and the same engine with the inlet completely blocked. 0
One might ordinarily expect that the two curves would be similar since
the valves would act to block the inlet in the power-off condition. This
was not the case, however, because as the speed was increased, the valves
opened more and more so that the internal losses were increased. This
resulted in the type of increase in power-off drag coefficient shown by
the basic-engine curve. With the inlet completely blocked, the drag
coefficient is constant over the speed range. In autorotation it is
desirable to store as much kinetic energy in the rotor as possible prior
to the landing flareout. This is accomplished by operating at as high a
tip speed as possible. At the higher tip speeds, these data indicate
the desirability of blocking the inlet in the event of power failure to
reduce the engine drag. Even without the inlet blocked, the pulse-Jet 0
rotor is somewhat less of a problem in autorotation than a ram-jet rotor
because of the larger size ram jet for a given thrust and its higher
speed.

The results with the pulse-Jet engine operating appear in figure 4,
in which the propulsive thrust in pounds is plotted as a function of
fuel-flow rate in pounds per hour over a range of speeds from 0 to 422 fps.
The curve for zero speed is the static case. The curves indicate the
primary characteristic of the pulse-Jet engine, which is decreased maxi-
mum propulsive thrust with increased speed. This decrease in propulsive
thrust with increased speed is attributed to the failure of the inlet
valves to close completely at the higher speeds, increased external drag, 0
effect of increased speed on the engine resonating characteristics, and

a decrease in tailpipe charging. This tailpipe charging is the phenome-
non by which the engines obtain air through the tailpipe as well as the
inlet. This reduced tailpipe charging and the previously mentioned
factors tend to decrease the combustion-chamber pressure ratio and thereby
cause a decrease in the propulsive thrust with increasing speed. 0

The points at which the engine failed to resonate because of an
increase in fuel are called "rich blowout" and are indicated on the curves.
For the whirling conditions these points are at maximum engine thrust and
are characterized by a drastic loss of power accompanied by a long yellow
flame out of the tailpipe. The maximum thrust values therefore cannot be
utilized for design purposes inasmuch as some margin of safety must be
provided to avoid a sudden loss of power while in flight. Of course,
with sufficient altitude, this rich blowout may not be too dangerous -

the flame is still there, and it was possible to start the engines reso-
nating again by merely reducing the fuel rate before the tip speed dropped
below 200 fps. Rich blowout was not reached at the highest speed because
of inlet-cowling failure at fuel-flow rates greater than those shown.

0 0 0 0 6
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Although no evaluation of the effects of centrifugal acceleration
on the propulsive characteristics of the pulse-jet engine has been made,
these effects would be expected to be small since the highest accelera-
tion reached during the tests was about 300g.

Incidentally, at the maximum thrust condition and a tip speed of
319 fps, the noise level was very high. A raucous body-shaking noise
that had a level of 132 decibels was measured at a station on the ground
40 feet below the rotor and 90 feet from the center of rotation. This
noise intensity is 15 to 20 decibels louder than a value measured in the
cockpit of a Sikorsky H-19 helicopter in powered flight. With a decrease
in thrust to a value where the engine would probably be operating most of
the time, the noise intensity decreases to a more bearable level.

The whirling data are replotted in figure 5 to indicate more closely
the effect of velocity on the engine characteristics. The upper curve
shows the propulsive thrust in pounds per square inch of frontal area as
a function of engine velocity. Although the maximum-thrust point was not
reached at 422 fps (fig. 4), based on the data that were obtained in the
higher speed range, the curve is extrapolated to indicate the trends at 0
this speed. The thrust is fairly constant at a value of about 1 pound
per square inch of frontal area over the lower speed range but begins to
drop off rapidly at speeds above 350 fps. This dropping off is obvi-
ously an undesirable characteristic and at the present time limits the
maximum rotor tip speed. There are some limited data (ref. 2) which
indicate that the thrust could be increased and the operating range could *
be extended to higher speeds.

The bottom curve shows the specific fuel consumption in pounds per
hour per horsepower as a function of engine velocity. The data for this
curve have also been extrapolated to 422 fps in a manner similar to that
of the top curve. This curve indicates that the most economical tip- •

speed range for this engine is 320 to 360 fps. Here again reference 2
indicates that the specific fuel consumption could be lowered and the
operating range extended to higher velocities.

Now in order to put the pulse-jet engine in the proper perspective,
the helicopter-type ram-jet engine discussed in references 3 and 4 is 0
compared with the pulse-jet engine. Figure 6 shows the propulsive-
thrust and specific-fuel-consumption characteristics of these two engines
over their respective speed ranges. It is seen that the thrust of the
ram jet is about half that of the pulse jet. The ram-jet specific fuel
consumption ranges from 20 to about 12 pounds per hour per horsepower as

compared with 71to a for the pulse jet. For some applications, the low
42 2

speed at which the pulse-jet engine develops its power is an advantage,

since the ratio of rotor lift to power required increases with decreased
tip speed. This factor plus the lower specific fuel consumption of the
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pulse jet indicates that a pulse-jet-powered rotor can develop two to

three times the lift of a ram-jet rotor at the same fuel consumption.
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AN ANALYTICAL STUDY OF A LARGE

PRESSURE-JET HELICOPTER

By William S. Miller and Richard P. Krebs 4

Lewis Flight Propulsion Laboratory

Some of the characteristics of two members of the tip-drive family,

the pulse jet and the ram jet, were outlined in the two preceding papers

by Paul J. Carpenter and Edward J. Radin. In this brief presentation,
the results of an analytical study of a third member of the family, the
pressure jet, are given.

In the pressure-jet system there are three independent powerplant
parameters: namely, jet pressure ratio, jet temperature, and tip speed.
It was the purpose of this analysis to determine the effect of changes
in these parameters on the hovering time and range of a helicopter.
Furthermore, the best combination of these parameters as indicated by a
study of the integrated performance of the pressure-jet system and the
helicopter was sought. As a starting point, a 30,000-pound helicopter
shown as an artist's concept in figure 1 was assumed. The figure shows
that the pressure-jet system is completely conventional. A gas turbine
engine is directly coupled to an auxiliary compressor that provides com-
pressed air for the system. At compressor exit temperature and pressure, *

* air is brought through a large duct to the rotor pylon and, from there,
through smaller blade ducts to tip-mounted combustion chambers. Since
the conventional tail rotor is not required in the pressure-jet heli-
copter, directional control in hovering can be provided by lateral deflec-
tion of the gas-turbine jet.

4 It was anticipated, before the numerical results were tabulated, 0
that the optimum design for the pressure-jet system would represent a
compromise. For example, a given thrust from the jets can be obtained
with high air flows and low jet temperatures or, conversely, with low
air flows and high jet temperatures. In the first case, high air flows
require large gas turbines and compressors and high engine fuel flows.

4 These disadvantages are partly offset by low tip-burner fuel rates and
high propulsive efficiencies. On the other hand, if a small engine and
compressor are selected, engine weight and engine fuel flow are reduced
but high tip fuel rates and low propulsive efficiencies result. Regard-
less of the compromise that is made on air-flow rates, the auxiliary
compressor pressure ratio must still be selected. Here again, a compro-

4 mise choice based on engine weight, fuel rates, and propulsive efficien-
cies must be made.

The effects on helicopter performance of two design-point parameters,
pressure ratio and jet temperature, are shown in figure 2. In this figure
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hovering time is plotted against design jet temperature for three pres-
sure ratios: 2.25, 3.0, and 5.0. The design jet temperature is the
temperature required for hovering at maximum gross weight. The opera-
tion of the pressure-jet system at design-point and off-design-point con-
ditions can be illustrated if an all-hovering flight represented by each
point on these curves is considered.

As hovering flight begins, the helicopter weight is 30,000 pounds,
the auxiliary compressor is at design pressure ratio, say 5.0, and jet
temperatures are at design point, say 30000 R. As fuel is consumed and

helicopter weight decreases, constant-altitude hovering requires that
pressure-jet power be progressively reduced. In this analysis, two methods
of obtaining this off-design power were investigated. In the first method,
pressure-jet power was decreased by gradually reducing the fuel flow to
the tip burners while air flow and pressure ratio were held constant.
This requires a continuous adjustment of the tip nozzle area. In the
second method, tip nozzle area was held fixed and power was reduced by
simultaneously decreasing the speed of the gas turbine and the fuel flow
to the tip burners.

The data for figure 2 were based on the variable-area configuration.
As can be seen, except for the very low pressure ratios, hovering time
is relatively insensitive to design jet temperatures. For a pressure
ratio of 2.25, hovering at maximum gross weight is impossible for jet
temperatures below 31000 R. However, for pressure ratios in the middle
range, say from 2.5 to 5.0, there is only a 10-percent change in hovering
time with a maximum of 5.5 hours at a pressure ratio of 3.0. *

As hovering flight progresses, tip-burner temperatures are gradually
reduced from the design value to match the decreasing power requirements
of the helicopter. In contrast, increased pressure-jet power for climbing
or high-altitude hovering is obtained by raising operational jet tempera-
tures above the design value. In order to provide a 20-percent reserve
over the hovering power, design temperatures have been restricted to
values :)elow 30000 R, as shown by the vertical dashed line.

Forward flight range at a speed of 83 knots was calculated for each
set _)f design coordinates (that is, jet temperature and pressure ratio).
As in the hovering condition, the best forward flight range was found in
tho low-middLe range of auxiliary compressor ratios - 2.5 in forward
flight as, compared with 3.0 in hovering. For all pressure ratios that were
inveoti -ated, the range increased slightly with design temperature.
Because of this characteristic of the range plot and in order to fulfill
the reserve-power requirements, a design jet temperature of 30000 R was
selected for all the performance results that follow.

A composite chart showing helicopter performance in hovering and
in forward flight while carrying different payloads is presented in
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figure 3. In this figure pressure ratio has been fixed at 3.0, tip speed
at 700 ft/sec, and design jet temperatures at 30000 R. The weights shown
represent the payloads that can be carried for the all-hovering missions
shown on the left or the all-forward-flight missions on the right. The
figure shows that doubling the payload from 6000 to 12,000 pounds decreases
the hovering time from 2 hours and 45 minutes to 50 minutes and decreases
the range from 390 nautical miles to 130 nautical miles.

Rotor tip speed is the third primary design parameter that influences
pressure-jet performance. The effect of changes in this parameter is
shown in figure 4. Hovering time and range are plotted against tip speed.
The flatness of the curves indicates that both hovering time and range
are insensitive to changes in the tip speed between 500 and 700 ft/sec.
In this range the increased propulsive efficiency has overcome the
increased rotor drag at higher tip speeds. The choice of tip speed, in
this range, might favor the 700-ft/sec value because of tip-stall con-
siderations. Both hovering time and range are penalized when tip speed
is increased to 900 ft/sec. The hovering-time and range values at this
speed are optimistic since no allowances were made for drag divergence
in the rotor computations.

Previously, it was pointed out that two methods of off-design opera-
tion of the pressure-jet system were considered in the analysis: namely,
variable- and fixed-area operation. The performance values that have
been presented so far were all based on the variable-area technique.
Helicopter performance for the two methods of operation is compared in
figure 5. In both hovering and forward flight, the variable-area nozzle
gives appreciably better performance, 5 hours 25 minutes compared with
3 hours 30 minutes in hovering and 715 miles compared with 400 miles in
forward-flight range.

The difference in performance that is obtained by the two methods
of operation can be explained as follows: With variable-area operation,
jet temperatures gradually decrease during a flight and propulsive effi-
ciencies continually improve. With fixed-area operation, the matching
of compressor and burners required that constant jet temperature be main-
tained as compressor pressure ratio and air flow were reduced. Conse-
quently, the intially high jet temperatures remain high for the duration
of the flight and propulsive efficiencies remain correspondingly low.

Aside from its dependence on the three primary variables, pressure
ratio, jet temperature, and tip speed, pressure-jet-helicopter perform-
ance in hovering and forward flight is also a function of the area of
the duct that brings the air to the tip burners. The effect of changes
in duct area, assuming a constant rotor solidity and thickness-chord
ratio, is shown in figure 6. Hovering time on the left and range
on the right are plotted against the ratio of the duct area to blade-
section area. This figure shows that there is a lower critical value
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for the duct area and, for the present analysis, this area is 0.2 of the
section area. Range and hovering time are not appreciably increased when 0
duct areas exceed the critical value but fall off rapidly as duct areas
are reduced below the critical value.

The performance penalties on the pressure-jet system are the same
whether duct area is reduced by decreasing the duct-area-section-area
ratio, by decreasing the rotor solidity, or by using thinner blade 0
sections.

Figure 7 sums up the results of this investigation of the pressure-
jet system. It Las been shown that helicopter performance is relatively
insensitive to changes in pressure ratio, jet temperature, and tip speed.
However, there is a representative set of values which gives near-optimum 0
performance for the assumed configuration.

The helicopter has an 80-foot-diameter rotor with a tip speed of
700 ft/sec. The gas turbine produces approximately 2100 horsepower,
consumes 1565 pounds of fuel per hour, and weighs, with the auxiliary
compressor, 1400 pounds. Because the engine is so light, pressure-jet- 0
helicopter performance is insensitive to changes in engine specific
weight. An increase in the assumed specific weight from 0.65 pound
per horsepower to 1.0 pound per horsepower was found to reduce hovering
time about 7 percent.

The auxiliary compressor has a pressure ratio of 3.0, provides
30 pounds of air per second at sea level, and has a frontal area of about
2 square feet.

Design jet temperatures should be about 30000 R and, for best per-
formance, the jet nozzle should have a variable area. Fuel rates to
the tip in hovering decrease from 4100 pounds per hour at maximum gross
weight to 265 pounds per hour at a gross weight of 14,000 pounds.
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PRESSURE-JET H ELI COPTER

AUXILIARY COMPRESSOR GAS TURBINE
PRESSURE RATIO '3.0 SHAFT HORSEPOWER -2115
AI RFLOW 30 LBS/SEC FUEL RATE • 1565 LB/HR
FRONTAL AREA-2 SQ FT ENGINE +AUX. COMP

WT-1400 LBS

•0

HEUCOPTER TIP BURNER
GROSS WT-30000 LBS DESIGN TEMPERATURE - 3000 *R
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ASPECTS OF INTE1RNAL-FLOW-SYSTEK4 DESIGN FOR

HEICOPTER PROPULSIVE UNITS

By John R. Henry

Langley Aeronautical Laboratory

SU4mARY

Pertinent items relating to the design of internal-flow systems for
reciprocating engine, turbine engine, and pressure-jet installations in
helicopters are discussed. The importance of the following items is 0
emphasized: controllable exit and ram recovery for reciprocating-engine
cooling; performance penalties possible in turbine-engine installations
attributed to distortions in the flow distribution at the face of the
axial compressor; the effects of high subsonic flow velocities on the
performance of duct elements; and the effects of centrifugal forces on
the flow in a ducted helicopter rotor. Data on the maximum flow capaci-
ties of bends are included.

INTRODUCTION

Helicopter performance requirements have pushed the flight speed
range up from 100 mph to perhaps 150 to 200 mph. Such speed-range
changes in the history of the conventional airplane influenced the design
of ducting and air-cooling systems in certain respects. It is desirable
to reexamine current and future helicopter designs and requirements to
determine any design trends indicated by the increasing flight speeds. S
First, the reciprocating-engine cooling-system installations are examined
and then the internal-flow problems related to other types of powerplant
installations - for instance, the gas turbine - are discussed. The pur-
pose of this paper is to touch on various pertinent items relating to
internal flow, not to present a detailed set of design rules and data.

A cross-sectional area, sq ft

a0  speed of sound in free stream, ft/sec

Cp pressure-rise coefficient

4 0 00000000
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D diameter of fan rotor or circular duct, as indicated

H total pressure, ib/sq ft, abs

h height of rectangular duct, ft

X Mach number

n fan rotational speed, rps

Q volume flow, cu ft/sec

qc dynamic pressure corrected for compressibility

qo flight dynamic pressure

R rotor-blade radius to tip, ft

r radius (various radii are defined where used)

V0  flight velocity relative to free stream, ft/sec except as indicated
otherwise

VX  exit velocity relative to helicopter, ft/sec

w width of rectangular duct, ft

AR total-pressure change, lb/sq ft

I fan efficiency

p mass density

Q angular velocity of rotor blade, radians/sec

Subscripts:

C cooler

D duct

F fan

1 at diffuser inlet

2 at diffuser exit

0 _0 0 0 0 0 4
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HUB at blade hub

TIP at blade tip

RECIPROCATING-ENGINE INSTALLATION

The type of reciprocating-engine internal-flow system to be dis-
cussed is illustrated in figure 1. The air enters a plenum chamber
through a screened inlet, proceeds through a fan and diffuser, and then
splits into parallel streams. Each of the parallel ducts contains an
air-using unit - such as the carburetor, the transmission-oil cooler,
the engine-cylinder cooling ducts, and the engine-oil cooler. The air
exhausted from these various units, with the exception of the carburetor,
is then collected in a compartment containing an exit to atmosphere.

In typical existing systems of this type, the following character-
istics generally apply: The inlets and exits are large and the intention
is not to recover ram pressure at the inlet or thrust at the exit; the
fan operates at engine speed and may or may not have contravanes; the
engine cooling air flow requires 50 to 60 percent of the total internal
air flow; and the rear compartment is not generally airtight.

The purpose of the following discussion is to determine whether
there are particular methods of design and operation which will produce
an appreciable saving in horsepower expenditure for the cooling system. •
An airtight system will be assumed, since it is impossible to determine
drag quantities with indeterminate leakages. Before the effect of flight

velocity is discussed, a review of the role of the cooling fan in the
system is necessary.

The total power P in units of horsepower chargeable to the cooling
system may be expressed as follows:

Q MF  Q(LHC + MD - HF) Qp (VOVX)2

5501 550 550 x 2

The preceding equation assumes no compressibility or heating effects but
is sufficiently accurate for the application to be discussed. The first
term on the right-hand side is the fan-shaft horsepower. The second term
is, by definition, the "residual pumping" horsepower or the air-pumping
power required to overcome total-pressure losses of the system in excess
of the total-pressure rise supplied by the fan. The third term is the
wake horsepower or power associated with kinetic energy left in the air
after it is discharged to the atmosphere. The sum of the last two terms
may be shown algebraically to correspond to the conventional equation
for internal drag.

• • O _ • • 'P0
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In order to illustrate the effect of the fan and duct losses on the
total cooling horsepower, some simplified configurations are presented

4 in figure 2, together with cooling-horsepower calculations for the case 0
where the cooler total-pressure loss is equal to the fan total-pressure
rise, which is equal to the flight dynamic pressure qo. It is a famil-

iar axiom that, for an efficient ducting system, if the cooling fan is
designed just to overcome the system total-pressure losses, a minimum
overall cooling-drag power results. This condition is represented by

4 the configuration of figure 2(a), where the net total-pressure loss is
zero and, thus, the only horsepower expenditure is the fan-shaft horse-
power, qoQ/550n. The configuration of figure 2(b), which consists
of an inefficient duct without cooler or fan and with a total-pressure
loss equal to qO, requires an infinite exit area since the exit total

4 pressure is equal to free-stream static pressure. Under these conditions, 0
the exit velocity is essentially zero, and the sum of the residual-pumping
and wake horsepowers is approximately twice the total cooling horsepower
of the efficient cooling design (fig. 2(a)). Adding the fan and cooler
to the configuration of figure 2(b) produces an inefficient cooling system
(configuration of fig. 2(c)), which also has a net total-pressure loss

4 equal to qo" Figure 2 indicates that the total cooling horsepower for 0

this system is approximately three times that of the efficient cooling
system. With inefficient fan designs and air leaks, this value may be
much higher. The excessive horsepower of the configuration of figure 2(c)
results from the fact that total-pressure losses not compensated for by
the fan produce penalties in horsepower twice - once in residual-pumping *

4 power and once in wake power.

In order to examine the cooling-horsepower problem further, partic-
ularly with regard to the effect of flight velocity on magnitudes, some
calculations were made for the helicopter model of reference 1. The
helicopter has the following specifications: 0

Gross weight, lb .......... ........................ ... 10,000
Tip speed, fps ......... ......................... . . .. 500
Solidity .............. ............................ 0.07
Disk loading, lb/sq ft ...... .................... ..... 2.5
Flat-plate parasite drag, sq ft ................ 40
Rated engine power, hp ........ ..................... ... 1,000

The curve for helicopter power required, calculated for level equilibrium
flight, and the assumed fuel-air-ratio variation are given in figure 3.
The system cooling requirements, which were estimated by assuming an air
temperature of 1000 F and parallel air circuits similar to that shown in

4 figure 1, are presented in figure 4. The cooling-fan performance char- 0
acteristics assumed on the basis of data in reference 2 are presented
in figure 5. In matching the fan characteristics to the cooling require-
ments, the hovering condition was assumed to correspond to a Q/nD of 0.3,

* 0 0 0 S 0 P 0 0 0J 0

* 0 0 i0 0m S naam 0I 0



153

and the fan pressure rise for hovering was assumed to be 20 percent
greater than the required cooling air pressure drop.

Some of the resulting cooling-horsepower calculations are shown in
figure 6 as a function of flight speed V0 . The curves shown correspond

to the condition where the correct amount of cooling air flow is obtained
at each flight speed by controlling the exit area. The amount of horse-
power has been referenced to the cooling horsepower required in hovering

* for the lowest curve. In current practice, this value of cooling horse- 0
power (unity) may range between approximately 4 and 10 percent of the
engine normal rated power. The curve shapes resemble the shape of the
curve of engine horsepower required, as would be expected, except for
the drop in cooling horsepower at the high-speed end. This effect is
due to richer mixtures at high engine powers, since fuel cooling results

* and thus the air cooling requirements are reduced. In the two lower S
curves, an efficient duct system or 100-percent ram recovery was assumed.
In the lowest curve, the fan efficiency was held constant at 75 percent,
presumably by controlling some component of the fan geometry. In the
middle curve, a typical variation of fan efficiency with volume flow
was assumed; in other words, a fixed fan geometry. The advantage of
variable fan geometry is indicated by figure 6 to be small (on the order 0
of 5 to 10 percent). The top curve assumes an inefficient duct system
or a complete loss of ram recovery. Complete loss of ram added 30 per-
cent to the horsepower in the cruise range (90 mph) and doubled the
power at about 120 mph, the rated horsepower condition. In addition, in
the range of the dashed curve the exit areas required to obtain the nec-
essary cooling air flows were over twice that which was considered a 6
reasonable value. At the higher flight speeds now contemplated for heli-
copters, the increased cooling powers produced by loss of ram would be
even larger.

Cooling-horsepower calculations for the condition of a fixed exit
area equal to that required for the hovering condition are presented in
figure 7. The curve of figure 6 for a fixed fan and controllable exit
area is also given again for reference purposes. In the curve for
100-percent ram recovery, the fan just meets the cooling requirements
in hovering. As the flight speed increases with a fixed exit area, the
ram recovery forces more air through the system, so that the cooling
requirements are exceeded and the horsepower is increased. This effect S
adds about 70 percent to the cooling horsepower in cruising and 50 per-
cent at rated power. The effect would be larger for helicopters designed
for higher flight speeds. Thus, it is seen that a controllable exit area
is a powerful device for maintaining minimum cooling powers. To produce
an effective exit-area control, however, leaks must be minimized.

The top curve of figure 7, because it corresponds to zero ram recov-
ery and fixed exit area, is for a fixed air flow. Consequently, the curve
indicates that, for a complete loss of ram, the wake and residual-pumping
powers increase rapidly with increasing flight speed. The dashed portion
of the curve corresponds to co cooling is not quite adequate

6 0
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because the required cooling air flow is slightly more for the rated-power
condition than for the hovering condition. The fact that the two upper

curves are almost coincident indicates that the cooling horsepower for •
a fixed exit-area design is not appreciably reduced by a high ram recovery.

In connection with the general problem of the design of cooling
systems, a large amount of data is available in the literature and the
more important references have been listed. References 3 to 17 contain
diversified information including design procedures and fundamental con- 0
cepts and have become basic references in this field. References 18
to 30, in general, contain data on specific configurations or aerodynamic
effects in the low-speed or incompressible-flow range. References 31
to 41 are reports of investigations of diffusers and bends in which
boundary-layer-control devices were evaluated. References 42 to 44 and
reference 2 are useful in designing cooling fans. 0

TURBINE-ENGINE INSTALLATION

The conventional turbine engine with an axial-flow compressor is a 0
convenient package unit of favorable aerodynamic shape with apparently
a minimum of ducting complications. Investigations reported in refer-
ences 45 to 51 and other unpublished data have indicated, however, that
some engines of this type are sensitive to distortions in the air flow
and pressure distribution at the face of the compressor. Some of the
engines tested have exhibited very serious reductions in performance due •
to this effect.

Figure 8 outlines some of the effects on the individual engine com-
ponents for one of the most distorted distributions investigated (ref. 51).
The air-flow maldistribution was set up by the installation of a screen
in one of the twin intake ducts, which resulted in a 62 percent to 38 per- S
cent distribution of the air flow and a pressure distortion just upstream
from the compressor face of ±19 percent of the absolute pressure. The
inlet pressure distortion was smoothed out by the compressor, and pres-
sure distributions throughout the rest of the engine were approximately
normal. A small distortion of ±5 percent was measured at the turbine
exit. As a result of the unequal pressure ratios across the two halves 0
of the compressor, a temperature distortion of +15 percent to -6 percent
of the absolute temperature was present at the compressor outlet. These
conditions led to a ±54-percent temperature distortion at the turbine
inlet and ±6 percent at the turbine outlet. The compressor efficiency
was lowered 17 percent; the combustion efficiency was unaffected; and an
8-percent reduction was obtained in the turbine efficiency. The net S
effect of these changes in the component performances was a loss in thrust
of 26 percent and an increase in specific fuel consumption of 23 percent.
Because of unfavorable effects on the compressor stall and surge character-
istics, the engine operating range was curtailed. It should be emphasized

o .
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that the numbers given here are the maximum values observed over the

operating range tested. An engine modified for helicopter application
. would be expected to produce similar results. •

The seriousness of this problem in helicopter installations is dif-
ficult to predict. Helicopter air inlets are subject to operation over

a very wide range of angle of attack and yaw and, therefore, may operate
inefficiently. Siamese inlets, under some operating conditions, may set

4 up large distortions due to the fact that one inlet may be recovering 0
approximately full ram while the other is operating in the fuselage wake.
It is difficult to imagine, however, that pressure distortions at the
compressor face will approach the ±19-percent value shown in figure 8.
Nevertheless, the penalties are so high that helicopter designers should
attempt to minimize the effect.

o 0
One solution is to adapt the installation to the engine. This adap-

tation might be accomplished by feeding the compressor inlet from a plenum

chamber similar to that used for conventional cooling installations of
reciprocating engines. Another solution is to adapt the engine to the
installation, which means employing engines insensitive to inlet irregu-

larities - for instance, the centrifugal compressor-type engines. •

HIGH-SPEED EFFECTS IN DUCTS

High subsonic flow velocities in duct elements, such as diffusers *
and bends, produce performances appreciably different from low subsonic
velocities. These effects are probably due to increases in both Reynolds

and Mach numbers; as yet, sufficient data are not available to isolate

the two variables. Since high subsonic flow velocities are anticipated
in some of the duct elements in turbine-engine installations and in
pressure-jet-type powerplants, high-speed effects are of interest to 0
helicopter designers.

Figure 9 presents some data for conical diffusers on the effect of
speed on diffuser loss coefficient. The Mach number at station 1 has

been selected as the index to speed. The diffuser area ratio is 2.0 and

a moderate boundary-layer thickness was present at the inlet. The ratio 0
of loss coefficient obtained at some inlet Mach number to the loss coef-
ficient obtained at an inlet Mach number of 0.2 is given as a function

of diffuser expansion angle, 20, for curves of constant inlet Mach num-
ber. The curves show that for short diffusers, expansion angle in the
range of 200 to 240, the loss coefficient at high subsonic Mach numbers

* may reach values approaching twice that corresponding to a Mach number

4 •
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of 0.2. The increased total-pressure loss is, of course, accompanied
by more distorted exit-velocity distributions. Additional data on these
effects are given in references 52 to 63. Similar performance trends •

have been observed for flow around bends and are discussed in reference 64.

CHOKING MACH NTIABER FOR BENDS

In the design of pressure-jet systems, the maximum flow capacity of
duct elements, especially bends, becomes of interest. The aerodynamic
index to maximum flow capacity is the choking Mach number. Unpublished

NACA data and other data from reference 64 are summarized in figure 10.
Data are given for 900 bends of both circular and rectangular cross sec-
tion. For the choking condition, the mean Mach number at the inlet ref- 0
erence station is given as a function of bend radius ratio. For the
rectangular bends, curves of constant aspect ratio h/w are presented.
An aspect ratio of 1.0 corresponds to a bend of square cross section.
All the rectangular-bend data are for a very thin inlet boundary layer.
The curve for the circular bends contains both thick and thin inlet-
boundary-layer points.

All the curves indicate that reducing the radius ratio - in other
words, increasing the sharpness of the turn - reduces the choking Mach
number or flow capacity of the bend. For rectangular bends, the square
cross section is optimum with higher or lower aspect ratios producing

lower choking Mach numbers. The comparison of the circular and square *
bends shows the circular bend to be slightly superior. Thickening the
boundary layer in the circular bend had no appreciable effect on the
choking Mach number. A choking Mach number of 0.7, which is obtainable
with the better configurations of figure 10, corresponds to 91 percent
of the theoretical maximum weight flow obtainable at a Mach number of 1.0.

FLOW IN DUCTED ROTOR BLADE

In the design of pressure-jet-type systems, the aerodynamics of the

flow through a ducted helicopter blade becomes important, both from the •
standpoint of the total-pressure losses involved and from the standpoint
of flow conditions produced at the tip burner inlet. Figure 11 illustrates
the effect of centrifugal force on the flow in a ducted helicopter blade.

The calculations were made by using the one-dimensional expressions and
analysis presented in reference 65. The calculations presented in fig-

ures 11 to 13 are for a completely insulated duct; therefore, the total 0
temperature rises somewhat ducomprsion (adiabatic compression)

as the flow proceeds from bla UV' i. The preceding assumption

differs from that used in the calculations of reference 65 where an

4k
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isothermal compression or constant total temperature was assumed. In the
latter case, the heat lost through the duct walls would have to be just
sufficient to counteract the tendency for the total temperature to rise
due to compression. In the calculations presented herein, the adiabatic
assumption was made because it produces more pessimistic answers relative
to total-pressure losses and choking Mach number.

Figures 11, 12, and 13 were constructed on the further assumption
that the ratio of the ducted-flow total temperature at the rotor hub to
the free-stream ambient temperature is 1.0. The value of this ratio
affects only the numerical values of rotor-tip Mach numbers identifying
the curves of these figures. The curves may be made to correspond to
another value of the temperature ratio by multiplying the given values
of rotor-tip Mach number by the square root of the desired ratio.

A long straight duct at rest will choke at the exit if sufficient 0

pressure drop is imposed on the flow. This case is illustrated by the
dashed lines of figure ll, which, as indicated, correspond to zero rotor-
tip Mach number. A single circular duct is illustrated; however, the
analysis can be applied also to multiple ducts and to odd cross-sectional
shapes. As the flow proceeds down the nonrotating duct, friction losses
cause a progressive drop in total pressure accompanied by a dropping
density, increasing dynamic pressure, and thus an increasing Mach number.
The initial Mach number, 0.57, for the zero-rotation case illustrated,
was chosen so as to produce a Mach number of 1.0 or choking at a duct
length of 60 diameters. If the duct is rotated at some blade-tip Mach
number, such as the 0.95 value in figure 11, the centrifugal forces oppose *
the friction effects and compress the flow. Since centrifugal force is
directly proportional to the radius, the compression effect is not notice-
able in a region adjacent to the hub, and the two cases illustrated in
figure 1I produce approximately coincident total-pressure curves in this
region. At duct lengths exceeding about 15 diameters, the centrifugal
forces become predominant and a total-pressure ratio of about 1.35 is
eventually attained. Correspondingly, the Mach number for the case with
rotation rises initially because of friction effects, and then the curve
peaks and starts to drop when the centrifugal effects become stronger.
The initial Mach number, 0.77, was chosen so that the duct just choked
at the location of the peak. It will be noted that, although the duct
is choked, the final Mach number is relatively low, 0.52. The flow
capacity of the duct has been appreciably increased by rotation as evi- 0
denced by the higher initial Mach number with rotation.

By calculating a number of curves similar to those of figure ll,
a map of the net Mach number changes across a given duct length for a
range of tip Mach numbers may be constructed. Such a map for a duct
length of 60 diameters is presented in figure 12. The plot of figure 12 0
shows in more detail than figure 11 that increasing the rotor-tip Mach
number while maintaining a constant Mach number at the hub decreases the

0
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ducted-flow Mach number at the rotor tip. Also, increasing the rotor-
tip Mach number increases the ducted-flow Mach number at the rotor hub

corresponding to choking.

Total- and static-pressure ratios across the 60-diameter length of
duct are presented in figure 13. The pressure ratios were calculated
from the Mach number values of figure 12. The maximum pressure ratio
for a given rotor-tip Mach number occurs with no flow (zero hub Mach
number). Increasing the flow quantity produces a drop in total-pressure
ratio as a result of increased friction losses. The case illustrated
indicates that, for a duct length of 60 diameters, total-pressure ratios
on the order of 1.8 are obtainable for a rotor-tip Mach number of 1.0.

CONCLUDING REMARKS

The following statements summarize the discussion of pertinent items
relative to the design of internal-flow systems for helicopter propulsive
units:

1. With regard to reciprocating-engine installations in helicopters
designed for speeds above 100 mph, a high ram recovery and controllable
exit area are required simultaneously in order to avoid excessive cooling-
horsepower penalties.

2. The installation in helicopters of turbine engines with axial-
flow compressors may be penalized by the sensitivity of some of these
engines to velocity and pressure distortions at the compressor face.
The use of a plenum chamber upstream from the compressor will aid in
overcoming this effect.

3. Relative to the design of turbine-engine installations and
pressure-jet systems, high subsonic speeds in duct elements, such as
diffusers and bends, produce appreciable depreciation in performance.

4. Choking Mach number data on 900 bends of circular and square

cross section indicate that flow capacities equal to 91 percent of the
maximum theoretical value are obtainable.

5. Available one-dimensional relations for determining the effects
of centrifugal forces on the flow in ducted helicopter rotors are shown
to provide an evaluation of flow Mach numbers and pressure ratios.
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COOLING FAN CHARACTERISTICS
0

* 2.0

CCp

80 "1.6
i-.I- 2 -,

F i 5

w /

IA.

EFCSOAIABL FA/EMTYADRMRCVR

10 0

EFFECTS O0 VARIABLE FANGEMTYADRMEOVY

4.0 0 G E T E S X 3 .4 .

.5-

QUANTTYIVOW EFCIENT, 0/O ER

1.0 0 0

EFET OAIALRANGOETYADAA EOE N

COLIGHPPRCN GEOMETRY

0 20 40 60 S0 900 120 1406 v°"P

Figure 6

* _ . . . .o . . . .. . . . . . .. . • .. . . . . e . , . .



4 168

4 EFFECT OF RAM RECOVERY FOR FIXED EXIT AREA
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VARIATION OF CONICAL-DIFFUSER LOSS COEFFICIENT
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REUCTION OF HELICOPTER PARASITE DRAG

By Robert D. Harrington 0

Langley Aeronautical Laboratory

A reduction in helicopter parasite drag is possible but not profit-
able except in those cases where high speed and long range are primary
requirements. For some of the factors causing drag, reduction in
parasite-drag area may result in increased weight whereas, in other cases,
it does not. The final design, however, must be a compromise between 0

the reduction of drag and the increase in weight.

INTRODJCTION

In the past, there has been little consideration given to the
problem of helicopter parasite drag. Miny mre serious problems such

as vibration, stability, and even adequate hovering performance have
required the full attention of the designer. In any event, parasite
drag becomes important only in the higher speed range. *

Now, however, there are certain uses of the helicopter where high
speed and long range are important. Wherever this is the case, it
appears that significant benefits can be realized from reductions in
parasite drag. The purpose of this paper is to indicate the order
of magnitude of these possible benefits and to discuss a few of the
ways by which parasite drag can be reduced.

SYMBOLS

f equivalent parasite-drag area

arotor angular velocity

R blade radius

a solidity 6

Af increment of parasite-drag area

S disk area

l NInunu I~~mmmnnn
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W'FKT OF PARASITE [RAG ON PRFORJ4ACE

In order to illustrate the effect of certain parasite-drag reduc-
tions, a theoretical performance analysis has been made for a single-
rotor helicopter having a gross weight of 10,000 pounds, a solidity of
0.07, a tip speed of 500 feet per second, and a disk loading of 2.-5 pounds
per square foot. Figure 1 shows the variation of maLin-rotor horsepower
required with velocity for three assumed values of equivalent parasite- 0
drag area (refs. I and 2). A value of 40 square feet was chosen as
representative of current practice for helicopters of this size. This
value represents a ratio of disk area to parasite-drag area S/f of 100.
The discontinuities in the curves occur at the velocity where tip stall
begins on the retreating blade (ref. 3).

The lover curve for f - 0 square feet (fig. 1) represents the

minimum power required by the rotor. Obviously, zero parasite drag can
never be achieved. However, the area between the top curve and the
bottom curve (fig. 1) indicates the total power saving theoretically
possible from reduction of parasite drag. In a practical case, it might

* not be unreasonable to expect that the parasite drag could be reduced 0
50 percent. The center curve (fig. 1) for a parasite area of 20 square
feet indicates the power savings which could be realized from such a
50-percent reduction in parasite drag.

In this particular case, there would be no reason to reduce the
4 drag of the helicopter if it were going to operate below about 40 miles S I

per hour because all the curves practically coincide at and below this
velocity. For low-speed operation, higher parasite drag might be
acceptable because of simplicity of design and fabrication.

However, for the type of operation where speed and range are of
primary importance, a reduction in drag will result in large savings.
For instance, if the power available is assumed to be equal to the
hovering power, the top speed of this helicopter could be increased
19 miles per hour by a 50-percent reduction in drag. This drag reduc-
tion would also result in a 25-percent increase in maxinu range and
the speed for best range would be increased 11 miles per hour.

MLA1 OF REDUCDI PARASITE [RAG

Now, consider a few methods by which the parasite drag may be
reduced. There is, of course, extensive literature on this subject,
based largely on airplane-drag-cleanup investigations in the Langley
full-scale tunnel. Some of these studies, including a couple of fairly
complete suaries, are given in references 4 to 10. No effort is made

6, O,•••0,••g
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herein to give a complete revlev of the subject but only a few basic
Itm are considered. The lnding gear, the rotor hub, the engine-
exhaust stacks, the cooling losses, and air leakage through joints and
gaps In the fuselage are considered. The location and shape of cooling-
air exits, fuselage shape, and the location of external protuberances
on the surface of the fuselage are also discussed. The savings in
parasite drag for these factors are given in the folloing table:

Item Af, sq ft

Landing gear ....... 20.0
Rotor hub .... .. 1.2
Exhaust stacks .... 6
Cooling ....... 1.6 0

eakage. ....... . 1.6
CooLing-air exits
Fuselage shape . . .
Protuberances . .

Total 25.0

Landing-&ear installation.- Shown in figure 2 are sketches of the
landing-gear installations on three different helicopters in the general
weight range vhich is being considered. Past experience with airplanes
indicated that the Landing gear contributed from one-third to one-half 0
the total drag. Calculations of the parasite drag of helicopter landing
gears such as these 'ndicate a parasite-drag area of about 20 square
feet. When available drag data for wheels, struts, and tubing are used,
a parasite-drag area of 15 square feet is obtained if no interference
losses are considered. Experience indicates that the interference drag
of the various strut intersections, the strut-fuselage intersection, 0

-* and the vheel-strut intersection would probably add at least another
5 square feet and thus give a total area of 20 square feet. All this
drag increment could be saved by use of a fully retraetable landing gear.
In some cases it may be impractical or undesirable to retract the gear
fully. In that event, significant drag reductions, possibly equal to
the sa of all these other item, may still be realized by proper fairing 0

* of the wheels and struts. Some data on landing-gear fairings are pre-
sented in references 5 and 6. It should be mentioned that there will
probably be some weight penalty involved in retracting or fairing the
gear. This weight increase would somewhat reduce the estimated power
saving.

*Rotcr hub.- The full extent to which the drag of the rotor hub can
be reduce by proper fairing is not known at present. However, some
very limited data on the rotor-hub drag of a general research model are

,.
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available. The upper sketch of figure 3 shows the original unfaired hub
and supporting pylon of the model. The lower sketch of figure 3 shows
the fairing which was installed on the hub. Results of the investigation 0
indicate that the parasite-dr&g area of the helicopter could be reduced
1.2 square feet by the installation of a simple fairing of the type shown.
This particular fairing was an ellipsoid of revolution having a fineness
ra 'o of approximately 3.5 to 1.

Engine exhaust stacks.- Two typical radial-engine exhaust-stack 0
installations are shown as figure I,. An increment of 0.95 square foot
was measured for the large stovepipe type of installation shown in fig-
ure 1 i. As can be seen, it protrudes from the aircraft nearly normal to
the airstrea and has excessive form drag in spite of the attempted
fairing at the base of the stack. Another installation on an engine of
similar power and having the exhaust stacks flush with the surface of 0
the fuselage (rig. 4) produced f drag !ncrement of only 0.1 square foot.
In this case, the form drag of the stacks was virtually eliminated, and
the measured drW., was probably caused by air leakage around the stacks.
In this case, a saving of 0.6 square foot was obtained. Examination of
several helicopter exhaust-stack installations indicates that even more
substantial drag reductions than those obtained herein might be realized 0
by careful detail destn.

Cooling-aIr system.- The discussion on the cooling-air system is
based on an analysis for the piston engine installation made by John R.
Senry of the Langley laboratory. As shown in that analysis, if the
cooling air loses full free-stream dynamic pressure in the inlet, there 0 4
will be a large parasite drag chargeable to the coolinF system. This
condition probably exists in most helicopter cooling Installations.
Calculations assuming complete loss of free-stream dynamic pressure
but for an airtight duct system indicate a parasite area of 1.6 square
feet for the helicopter flying at 100 miles per hour. This source of
drag could be eliminated by designing the cooling system so that the •
free-stream dynamic pressure is recovered.

At this time, it might also be well to mention that the cooling-air
exits should be designed so that the cooling air leaves the body parallel
to the external flow. If the cooling air does not exit smoothly, it may
disturb the flow over the fuselage and cause premature separation. This 0
separation would result in an additional drag increment over and above
that vhich would be theoretically predicted from the internal losses.

Leakage 3f air through gaps and Joints.- Leakage of air through
unsealed gaps and Joints, that is, all the gaps and Joints, in the
fuselage structure may also be a source of much parasite drag. Leakage 0
drag is an item which Is dependent to a great extent on the detail
design and care In manufacture of the aircraft and is rather difficult
to estimate without access to the particular helicopter. However, an
estimate based on the average leakage drag of several World War II
fighter aircraft indicates that at least 1.6 square feet could be saved

ql • • •q) • • O
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if the helicopter were sealed. Sealing is far from standard practice
at the present time.

0
Fuselage shape and external protuberances.- The effect of fuselage

shape and external protuberances on the parasite-drag area is next con-
sidered. It is obvious that helicopter fuselages, in general, are not
very streamlined; however, the helicopter fuselage may present some
special problems. There may be some compromise necessary to insure that
the stability and low-speed performance are not unduly penalized in the 0
process of streamlining for high speed. Unfortunately, no explicit data
which would indicate the specific areas of high drag on existing shapes

are available. Although these data are lacking, it is felt that the
general rules of good streamlining should be used as a guide.

One thing specifically, however, might be emphasized; that is the 0
desirability of not locating external fittings and protuberances in

regions of local high-velocity flow. Their drag will be increased
because of the high local dynamic pressure and it is not unlikely that
the air flow will be disturbed sufficiently to cause separation either
locally or further downstream on the body.

0

CONCUDING REMARKS

In conclusion, it might be said that a significant reduction in
helicopter parasite drag is possible. However, reduction in drag becomes *
important only when high speed and long range Pre primary requirements.
An estimate of the possible savings shows a reduction of 25 square feet

of parasite-drag area for the factors considered. All these savings may
not be possible, however, because there may be some weight penalty
involved for such cases as a retractable landing gear or a rotor-hub
fairing. The added weight would reduce the estimated power saving some- 0
what. In this regard, it should be pointed out that the drag of some of

the smaller items such as exhaust stacks, cooling, and leakage probably
can be eliminated with no sacrifice in weight. Several of these small
drag reductions added together can thus produce a sizable saving in
drag. In every case, the final design will evolve as a compromise

between the reduction in drag and the increase in weight.

0 0
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EFFECT OF PARASITE DRAG ON PERFORMANCE
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SOME ASPECTS OF THE HELICOPTER NOISE PROBLEM

By Harvey H. Hubbard and Leslie W. Lassiter •

Langley Aeronautical Laboratory

SUMMARY 0

Some aspects of the helicopter noise problem are briefly discussed.
These discussions deal with the nature of the problem, some tentative cri-
teria for use in evaluating it, and the physical characteristics of noise
from helicopters. Overall noise data are presented for a reciprocating-
engine helicopter along with discussions of the characteristics of noise 0
from its various components such as the engine, gearing, and rotors. Some
consideration is also given to the noise from tip jet rotor systems.

INTRODUCTION 0

Until recently noise has not received so much attention as many of
the other problems which face the operators of helicopters. Although
the difficulties associated with communications in the presence of noise
continue to exist, some new noise problems have arisen with the advent
of the passenger-carrying helicopter. Some consideration must now be
given to the comfort of the passengers as well as the neighbors in the
vicinity of heliports and along routes of flight.

Very few studies are available in the literature which deal directly
with the noise from helicopters; however, data on noise from propellers,
engines, jets, and so forth are available from other noise studies and
some of this information can be applied to helicopter noise problems.
The purpose of this paper therefore is to indicate the nature of the
problem and to present some information that is of general interest in
connection with helicopter noise studies.

INTERNAL NOISE PROBLEM

Figure 1 which was taken from reference 1 shows the envelope of
noise spectrums inside several helicopters and compares these with some

4 average levels measured in current airliners. Shown also on this figure 0
is an acoustical comfort index curve from the work of reference 2. Based
on airline experience, noise spectrums higher than this curve are defi-
nitely uncomfortable for passengers and the optimum conditions of comfort
exist only when the noise is well below the values shown here. Thus,

40



182

from a comfort standpoint the noise levels in current helicopters tend
to be rather high, although it must be recognized that, for flights of

a few minutes duration, the passenger may be willing to tolerate a con- •
siderably higher noise level than for flights of several hours.

Although it is recognized that some benefits for the passenger may
be realized from the use of additional sound treatmeiiLs, discussions
along these lines are beyond the scope of this paper. Emphasis is placed
on phenomena related to noise reduction at the source since these are of 0
interest to both the occupant of the aircraft and the ground observer.
The phase of the helicopter noise problem which may be the most serious
from the commercial operator's.,point of view involves the ground observer
and it is this phase of the problem with which the remainder of the paper
will be concerned.

EXTERIAL 1NOISE PROBL4

Community Noise

The significance of some of the noise data which will be shown later
can best be appreciated if the nature of other noises in the comnunities
in which helicopters will operate is known. Some of these are shown in
figure 2 (ref. 3). Noise levels are plotted as a function of frequency in
octave bands for the noise in residential areas, industrial areas, and
for highway traffic. Some variations exist in the levels of various •
frequency bands; however, it is seen that, in general, these spectrums
have a characteristic shape. They peak in approximately the 75 to 150 cps
band and fall off rather gradually as the frequency increases. One way
of making a noise less objectionable is to place it in an environment
which is already noisy and which has a similar noise spectrum. Thus, if

4 the shape of the helicopter noise spectrum resembles these general shapes,
it will not be so conspicuous as if, for instance, it had very intense
high-frequency components.

Tolerance Criteria
4S

Another reason why high-frequency noises are undesirable in a com-
munity environment is given in figure 3 which illustrates some tolerance
criteria that have recently been made available in reference 4. Although
criteria are given for sleep and rest, speech interference, and permanent
hearing damage, not all of these are considered for the purposes of this
paper. Only those pertaining to speech-interference have been made use of
and these are given in figure 3. Noise levels in decibels are plotted as
a function of frequency for speech-interference levels (S.I.L.) of 45, 55,
65, and 75. The number values represent the average number of decibels

4 •
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in the 6oo to 1200 cps, 1200 to 2400 cps, and 2400 to 4800 cps bands as
indicated by the vertical dashed lines and which are considered the most
important for speech communication. These curves are based on one's
ability to understand conversational speech in the presence of noise and
it should be noted that high-frequency noises are more detrimental to
speech communication than low-frequency noises. As an example, if the
noise spectrum fits in below the curve for S.I.L. = 45, normal speech
should be possible in the presence of that noise.

By definition, any noise which exceeds the requirements of the curve
S.I.L. = 45 will interfere in some way with normal conversational speech.
The following requirements for communication in the presence of noise
levels corresponding to various speech-interference-level curves are
given briefly, from reference 4, as follows: (a) S.I.L. = 45, normal
voice at 10 feet; (b) S.I.L. = 55, normal voice at 3 feet, raised voice
at 6 feet; (c) S.I.L. = 65, raised voice at 2 feet, very loud voice at
4 feet; and (d) S.I.L. = 75, very loud voice at 1 foot (minimal effi-
ciency). As a matter of interest it can be noted that the highest levels
of community noise of figure 2 approximately correspond to those of the
curve for S.I.L. = 55 which is used as a basis for some of the calcu-
lations of this paper.

Effect of Distance

One way in which any noise problem may be alleviated is to separate *
the observer by a sufficient distance from the source of the noise. An
understanding of the way in which noise is attenuated as a function of
distance is thus desirable and this phenomenon is illustrated in figure 4.

A noise spectrum measured for a reciprocating-engine-type helicopter
overhead at 100 feet is shown by the solid curve at the top of the fig-
ure. These values are adjusted for distance to give the dotted-line
spectrums at distances of 300 feet, 1,000 feet, and 3,000 feet. Adjust-
ments for distance are made in accordance with the data of references 5
and 6 and for the assumption of no terrain and wind effects. It can be
seen that the high frequencies are attenuated more with distance than
the low frequencies are and, as a result of this phenomenon, the spectrum
changes shape as it propagates through space.

The curve for S.I.L. = 55 from figure 3 is replotted here and it
can be seen that at a distance of 3,000 feet, the noise spectrum of this
helicopter meets the requirements of this criterion. Measurements of
the type shown here, that is octave-band measurements, are useful in
evaluatin6 the seriousness of a problem but give very little information 0
as to* the source of the noise. Consequently, the first few bands of the
noise have been analyzed by means of a 20-cycle-wide filter arrangement
and the results are shown in figure 5.
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Sources of Helicopter Noise _

Sound pressures in linear units are shown as a function of frequency 0
also on a linear scale. Relative pressure amplitudes are given for the
frequency range of approximately 100 cps to 1400 cps. Since the measuring
system for these tests did not record below 100 cps, the estimated levels
in that frequency range are indicated by the dashed line. Detailed noise
studies for this particular helicopter have made it possible for the bulk
of the noise in certain frequency bands of figure 5 to be asscciated with S
parts of the helicopter such as engine exhaust, gearing, and so forth, as
labeled in figure 5. For instance, noise from the tail rotor appears
mainly in the frequency range below 150 cps and has a relatively low
level. For the range of approximately 150 cps to 600 cps, within which
some of the highest noise levels were recorded, the bulk of the noise is
associated with the engine. Noise from the gear box is included in the 0
range of frequencies between 600 cps and 1200 cps, and it is also seen to
be a major source of noise. In general, the noise from about 1200 cps to
15,000 cps appeared to be completely random in nature and it is believed
that much of this random noise is due to the shedding of vorticity from
the main rotor. Random noise from the rotor will also appear in the
spectrum below 1200 cps but for the operating conditions of this test •
the discrete frequencies from the engine exhaust and the gearing are much
more pronounced.

Reciprocating engine.- The main source of the noise from the recip-
rocating engine is the exhaust. The sound pressure levels vary as a func-
tion of the type of manifold used and, for a given type of engine, it has •
been estimated in reference 7 that a 3-decibel increase results from a
doubling of the engine power. The noise from the exhaust (fig. 5) is
related to a nine-cylinder engine which has only one exhaust exit. The
fundamental firing frequency of this engine is approximately 150 cps.
The noise consists mainly of discrete frequencies in the range below
600 cps. The present tests as well as the zore detailed studies of ref-
erence 8 show that the spectrum levels drop off rapidly with increasing
frequency above approximately 600 cps. Although it is recognized that
there is some noise associated with the high-velocity exhaust-gas streams,
this component of noise is thus seen to be much lower in level than the
discrete low-frequency componen" s. The other engine noises from valves,
gears, carburetor, supercharger, and so forth are believed to be in 0
approximately the same frequency range and are usually 10 to 15 decibels
below the level of those from the exhaust (ref. 9).

For any given reciprocating engine, the exhaust muffler can be used
as a means of reducing the exhaust noise. Mufflers are usually designed
for a particular type of engine since such variables as engine firing •
frequency, volume of gas flow, and the desired attenuation characteris-
tics are important factors in the design. Although further discussions
w-Ith regard to exhaust muffling are beyond the scope of this paper, con-
siderable information relating to mufflers and muffling techniques for
aircraft engines is included in references 10 and 11.

e • • •• • •0
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Gearing.- Gear noise arises from the meshing of gear teeth and may
consist of two components as indicated schematically in figure 6. As
might be expected, one noise component corresponds to the tooth-contact 0
frequency which is a function of the number of gear teeth and the rota-
tional speed of the gear. Some results of reference 12, relating to the
noise from automobile transmissions, indicate that another component of
noise may arise from the excitation of natural frequencies of the system.
When these natural frequencies of the tooth-gear combinations were at or
near some integral multiple of the tooth-contact frequency, a very strong 0
noise component was detected. For the tests of reference 12, these nat-
ural frequencies were very important with regard to noise; however, for
the measurements of figure 5, it appears that some of the tooth-contact
frequencies were clearly predominant.

Rotor systems including tip jets.- The noise from rotors can also 0
be conveniently considered as two separate components, namely, the rota-
tional and vortex components. These are shown qualitatively in figure 7
which gives a noise spectrum for conditions where these two components
are of the same order of magnitude. Figure 7, which was taken from ref-
erence 13, relates directly to an airplane propeller but these results
are believed to apply qualitatively to helicopter rotors as well. The
rotational component consists of several discrete tones that are asso-
ciated with the steady aerodynamic forces on the blades and are most
intense in or near the plane of rotation. The vortex component has a
continuous-type spectrum that is associated with the unsteady aerodynamic
forces on the blades. This component is most intense on the axis of
rotation. For the blade geometries and operating conditions currently •
used, the noise from the tail rotor is mostly rotational noise, whereas
vortex noise is the main component from the main rotor.

As in the case of propellers (ref. 13), the rotational noise increases
for increased power loading and tip speed and decreases with an increased
number of blades. The vortex noise increases with the tip speed of the •
blades and the blade area and is essentially independent of the power
loading and number of blades. This noise can best be kept at a low level
by keeping the tip speed low.

In addition to the basic noise from helicopter main rotors, the use
of tip jets will superimpose additional sources of noise. The associated 0
noise spectrums will depend on the type of tip jet propulsion used as
indicated schematically in figure 8. If pulse jets are used, the noise
is mainly associated with the firing frequency of the engine (refs. 14
to 16). The spectrum thus contains a few intense low-frequency discrete
components as well as some low-level random components associated with
the discharge of the exhaust gases. The fact that much of the noise S
energ from this type of jet appears in a few discrete frequencies sug-
gests that some noise reduction is obtainable if it were feasible to
operate multiple units in proper phase.

- -0 0 0- i 0 ,
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The noise from pressure jets consists mainly of random components
as indicated schematically in figure F. During operation at low temper-
atures, an additional discrete component may appear in the spectrum as 0
indicated by the dashed vertical line. This component is associated
with a resonance phenomenon involving the shock-wave formations in the
jet stream and, for certain overpressured operating conditions, can be
very intense (refs. 17 and 18). Tests have shown, however, that, at
high jet temperatures, this noise component is much less pronounced
than at low jet temperatures and thus my not be of much concern. There 0
is some indication that the noise from pressure jets is a function of
the relative velocity between the jet and the surrounding medium and
that the noise from jets in motion is less than in the static case.

In order to compare the noise from various main rotor systems for
a 7,000-pound-gross-weight helicopter, the bar chart of figure 9 has been 0
prepared. The abscissa scale is the vertical distance which the partic-
ular noise source in question would have to be from an observer in order
that its noise would satisfy the speech-interference-level criterion
curve labeled 55 which was defined in a discussion of figure 3. Spec-
trims for these various sources were adjusted for atmospheric losses as
in figure 4. In addition to the rotor systems considered, data are 0
included for the helicopter of figure 4 and for a four-engine transport
airplane from reference 19 for comparison. When the bar chart is inter-
preted, it should be noted that the lesser distances are associated with
the more desirable noise conditions.

The estimated data for the main rotor of the helicopter for which * -
measurements were made are shown in the second bar from the top. The
crosshatched part indicates the estimated increased distance required
for an increase in the rotor tip speed from approximately 550 feet per
second to 800 feet per second. Thus in the event that rotor tip speeds
are increased substantially, the rotor noise levels may then be compara-
ble to the overall noise from current helicopters. The data shown here 0
for the basic rotor are to be interpreted as minimum values because it
is believed that, for some operating conditions, the rotor my contribute
more substantially to the overall noise than is indicated by figure 9.

When tip jets are used, that is one Jet on each blade tip, the rotor
system will probably be one of the primary noise sources. For instance, 0
as indicated in the bar chart, the noise from both conventional pulse-jet
and pressure-Jet rotor systems will probably be much greater than for the
bare rotor and will be greater than the overall noise from current heli-
copters. It should be noted that, for the conditions of figure 9, the
observer is assumed to be oriented on the axis of rotation of the rotor.
If the observer were in the plane of the rotor, the noise for the bare 0
rotor would be less objectionable and for both tip jet rotors would be
more objectionable than indicated in the figure.
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CONCWIDING M)ARKS

Some of the sources of the noise from helicopters as well as some

general information relating to the ground noise problem of helicopters
have been discussed. It has been shown that, for helicopters of current
design, the engine and accessories such as the gearing are primary sources 0
of noise. For comparable-slzed helicopters utilizing tip Jet propulsion,
the noise levels will be considerably higher and the rotor system may
then be one of the primary sources of noise.
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NOISE FROM HELICOPTER IN HOVERING 4
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EHAUST MJFFLERS AS APPLIED TO THE HELICOPTER

By George M. Stokes and Don D. Davis, Jr. S

Langley Aeronautical Laboratory

3ITRODUCTION

In general, when dealing with a conventional helicopter, there are
many noise-generating components. Since the integrated effect of these
noises are known to produce quite objectionable, if not intolerable, noise
levels, it becomes evident that some study should be made to indicate
what needs to be done to reduce these noise sources. The objective of 0
this discussion is to show what engine-exhaust-noise reductions may be
expected from various size mufflers and what these noise reductions mean
when referred to a noise-affected area. In most cases the engine exhaust
is found to be the greatest noise-generating component of the helicopter.
Consequently, the greatest single gain in reducing the overall helicopter
noise can be accomplished by treating this source. This paper will treat
the reciprocating-engine noise from the point of view of the ground
observer as well as the helicopter passenger. Recently completed muffler
research work conducted at the Langley Aeronautical Laboratory indicates
a muffler-design method by which mufflers may be designed to provide a
given attenuation. The principles set forth in this basic research have
been used in the development of the following discussion.

DISCUSSION

In order to establish a basis by which comparison may be made
between various noise conditions, the speech-interference-level (S.I.L.)
curves shown in figure 1 (see ref. 1) have been chosen. These curves,
as explained in the previous paper by Harvey H. Hubbard and Leslie W.
Lassiter, indicate a system by which the speech-interference level may
be referred to the frequency spectrum. The S.I.L. curve labeled 55 has
been defined as a noise environment which will permit continuous communi-
cation, with a normal voice, between two people who are 3 feet apart.
For this discussion the S.I.L. curve of 55 will be chosen as a noise
criteria condition below which all engine-exhaust noise must fall to
fulfill an acceptable noise condition for the ground observer.

Before a muffler having the maximum quieting capabilities for a •
given engine can be designed, a spectrum of the engine noise is needed.
This spectrum is also used to determine the attenuation needed to reduce
the noise to the chosen value of S.I.L. Figure 2 shows a band pass
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spectrum of typical reciprocating-engine exhaust noise at 200 feet. Such
a spectrum is representative of the noise that would be produced by a
180-hp engine. The S.I.L. curve of 55 describes the attenuation envelope
which a muffler must have to provide the required quieting. The shaded
area in figure 2 shows the part of the spectrum which must be eliminated.

By using the muffler-design method discussed in references 2 and 3

and an exhaust pipe diameter of 2k inches, a single-chamber resonator

muffler having a diameter of 5 inches and a length of 24 inches would
be expected to provide the required S.I.L. of 55 at 200 feet. Since
space limitations may require the helicopter designer to use a different
size muffler from the one just described, an illustration will be given
to show what attenuation can be provided by various muffler sizes. For
this illustration, two other mufflers have been selected, one incorporating
twice the volume of the original design and one having one-half the volume
of the original design. These three mufflers will be referred to as
mufflers 1, 2, and 3. The number increase will indicate a muffler-size
increase. Figure 3 shows that the exhaust noise should not exceed an
S.I.L. of 62 when using the smallest muffler (muffler 1) and should not
exceed a value of 49 when using muffler 3. Figure 3 also indicates the
relative quieting provided by the three mufflers. If some other exhaust-
pipe diameter had been used in the design of these mufflers, the muffler
diameter would be changed by an amount proportional to the change in
exhaust-pipe diameter.

In order to give physical illustration of what these noise reductions
mean, a plot of the noise area reduction provided by each muffler for a
specified speech interference level is shown in figure 4. For the unzmuf-
fled engine, this specified level of 55 will be reached at 900 feet from
the source. Similarily with mufflers 1, 2, and 3, the equivalent noise
conditions will be achieved at the distances of 450, 200, and 100 feet,
respectively. When comparing the noise reductions resulting from the
mufflers in terms of an affected-area coverage, the mufflers reduced the
noise-affected area by 75, 95, and 98.8 percent, respectively, of the
value it was for the unmuffled engine. This comparison is important in
that it shows that the smallest muffler will reduce the noise-affected
area by a much greater pcrcentage for the muffler volume used.

When considering the engine noise from the viewpoint of the heli-
copter passenger, the noise problem is much more severe because of the
proximity of the exhaust-noise source to the cabin. For this reason,
it will be assumed that the passengers must be subjected to a higher
noise condition than was selected at the outset of this discussion. In
the conventional Douglas DC-3 airliner, the cabin S.I.L. is approximately
71; consequently, for purposes of this discussion, this S.I.L. value will
be chosen as the noise environment which the helicopter passenger will be
subjected to. Figure 5 shows the distance the tailpipe exit must be from
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the cabin to achieve this passenger S.I.L. of 71. The cabin wall assumed
for this case is a 0.025-inch-thick aluminum sheet which provides a
13-decibel noise reduction throughout the noise spectrum. These data
are figured on the basis of perfect sound absorption within the cabin;
consequently, it should be stated that the S.I.L. within the cabin will
be slightly higher than 71 because in practical applications perfect
sound absorption is not achieved.

Figure 5 shows that the tailpipe exit must be 32 feet away from the
cabin with no muffler, 15 feet away with muffler 1, 7 feet away with
muffler 2, and 4 feet away with muffler 3. As a matter of interest,
the tailpipe exit would need to be 45 feet away from the cabin in order
to achieve a passenger S.I.L. value of 55 with muffler 2.

4 Some time ago several muffler field tests were conducted at the

Langley Laboratory. (See ref. 3.) This investigation was made to deter-
mine the effects of certain factors on the acoustical properties of the
mufflers. For a test apparatus, a helicopter having a 180-hp engine
with two exhaust pipes was used. The mufflers used in the field tests
were not designed to provide the greatest attenuation possible but were

4 designed to fulfill specific test criteria. Thus, both the chamber and
tailpipe resonant frequencies of these mufflers are different from those
of mufflers 1, 2, and 3. The smallest of the mufflers tested on the
helicopter provided an overall S.I.L. reduction of 6. This small test

I
muffler was 12 times larger than muffler 1. Because of the presence of

4 an unknown amount of helicopter noise, other than engine exhaust, in the
measurements, it was not possible to determine the exact exhaust-noise
reduction provided by the test muffler. However, since a certain amount
of other noise did exist, it can be stated that the exhaust S.I.L. reduc-
tion must have been greater than 6. With the use of the muffler theory,
an S.I.L. reduction of 9 was predicted for the engine-exhaust noise.

* Since the test muffler reduced the overall helicopter noise S.I.L. by 6, 0
the same as that of muffler 1, the noise-affected area was reduced by
75 percent. The important point which can be made from these results
is that a small muffler should be of considerable aid in reducing the
helicopter noise with no treatment of other noise sources. The extent
to which the overall noise reduction may be carried with larger mufflers,

* of course, depends on how much the other noise components are below the
exhaust.

This paper has been limited to rather low-powered engines, that is,

those having exhaust diameters of the order of 21- inches. Large engines,
4

or engines having larger exhaust diameters, introduce the additional
problem of higher noise levels, besides the requirement that the muffler
volume must increase in proportion to the muffler tailpipe area.
Basically, however, the muffler-design method is no different from that
used in design of mufflers for low-powered engines.
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COCEUJDING REMARKS

* The essence of this discussion indicates the following: (1) There
is a muffler theory which will permit an efficient design of an engine-
exhaust muffler that can reduce the exhaust noise a predetermined amount
and (2) a small muffler is of considerable aid in reducing the noise-
affected area.

* 0
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FLYING-QUALITIES CRITERIA FOR GENERAL-PURPOSE HELICOPTERS

By John P. Reeder and F. B. Gustafson 0

Langley Aeronautical Laboratory

Once the performance capabilities and usefulness of the helicopter
had been established, it became increasingly apparent to all concerned 0
that studies of the flying qualities (that is, the stability and control
characteristics) of the helicopter were urgently needed. The ultimate
purpose of such studies is to establish design criteria which will insure
stability and control characteristics that are essential for reasonably
easy, safe, and efficient operation. The National Advisory Committee
for Aeronautics undertook such an investigation. In this field the NACA 0
had an extensive background in airplane flying-qualities work.

In the study of flying qualities, it is necessary to isolate the
important characteristics and define them in terms of the fundamental
stability and control characteristics of the aircraft. It is then neces-
sary to obtain a measure of these fundamental characteristics by means 6
of simple repeatable test maneuvers. Correlation of the pilots' opinion
of the flying qualities in normal flight with the characteristics measured
in the test maneuvers must be established. Quantitative design criteria
may be established when a large enough variation in the measureable
fundamental characteristics has been experienced to bracket the desirable
ranges for satisfactory behavior. •

In carrying out the program to date two research pilots experienced
in flying-qualities evaluations have been used. Pertinent characteristics
of the research helicopters have been varied through a wide range by any
means possible for evaluation purposes. In order to supplement pilots'
opinion, NACA recording instrumentation has been used to obtain a numer- 0
ical measure of the evaluation maneuvers and of the accuracy and ease of
executing flight problems.

Since these studies form part of the background of references 1 and 2,
the requirements are set forth there and no attempt will be made to dis-

cuss them in detail. A discussion of the significance of the more impor- 0
tant requirements, their development, and our latest thoughts on them
seem in order, however.

It is well to point out at this point that with instrumented heli-
copters and with others in which familiarization flights have been made
a range of physical characteristics, which are shown in the following 0
table, have been covered.

*0 0 0 0 0 0 0

* 0 0 0 0 0 0 __
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Ratio of maximum to minimum for E
Helicopters

flown Rotor Overall Gross Pitching
diameter length weight inertia

4
Instrumented 1.5 2.0 3.3 30.0

All types 2.8 3.6 18.0 30.0

The flying qualities of the helicopter which are discussed are:

1. Control and control-force characteristics

(a) Transient stick forces 0
(b) Excessive friction in control systems
(c) Force-trim provisions
(d) Control sensitivity
(e) Control-force gradients

2. Speed stability 0

3. Longitudinal maneuver stability

(a) Divergence problem
(b) Criteria

4. Turn and lateral-oscillation characteristics

Although not included under item 1 of this table for discussion,
at least one case of excessive time lag in control is familiar. Improve-
ment in design and the use of power boost systems for larger helicopters
have reduced or eliminated items l(a) and l(b); however, they may still •
be problems for some time in small helicopters.

Transient stick forces, item l(a), occurring with displacement of
the controls can be out of phase with the direction of displacement
and cause a tendency for the stick to whirl in a circle (ref. 3)j thus
the pilot's sense of security and his ability to position the control accu- 0
rately was affected. Even when not out of phase, forces can nevertheless
be undesirable in that a force reversal may take place. It does not
take large forces to cause the pilot concern. Figure 1 illustrates an
unsatisfactory force variation with displacement measured in hovering
on the left, while on the right is one that is found acceptable. Note
that the satisfactory force is always in a direction to resist the con- 0
trol displacement, whereas in the case on the left, although the forces
were very small, the pilot felt uncertain because they did reverse.

0S

.

@ @ *S ____



207

A large amount of friction in the control system, item l(b), may
hide worse things, but in itself it destroys the ability of the pilot to

* •position accurately the controls and, therefore, the helicopter, partic-
ularly in hovering. Cyclic-control systems having 1 to 2 pounds of
friction in the static condition have been found to be practically fric-
tion free in some small helicopters. Friction permissible in the other
controls is greater than this.

It has proved very desirable to have means of trimming control
U forces to zero, item l(c), for any flight condition which will be main-

tained for a period of time. For instrument flying this is not only
desirable but necessary if reasonable accuracy and safety is to be
achieved.

Excessive control sensitivity, item l(d), has occurred in some heli-
copters. The sensitivity referred to is defined as the steady angular
velocity per unit control deflection. This definition, however, does not
take account of the ability of a control to produce angular acceleration,
which varies with inertia, among other things. Our first experience with
excessive sensitivity resulting in overcontrol about the roll axis of a
small helicopter while hovering where precision of control is desired.
Similarly, excessive sensitivity of the directional control has been
experienced while hovering and during instrument flight at low speed and
high power in some helicopters. These cases are presently recognized in
the handling-qualities specifications. Excessive sensitivity in pitch
may occur in tandems where high control power is obtainable. Also, the
tandem helicopter has the real possibility of having satisfactory sensi- •
tivity of directional control, as defined earlier in this paragraph, but
having available very low angular acceleration in yaw. Consequently, the
requirements of reference 2 attempt to provide a minimum acceptable com-
bination of angular acceleration and yawing velocity.

Some work has been done with control-force gradients, item l(e), but
the subject is far from exhausted. During instrument-flying trials with
a boost system having low friction, the pilots liked a gradient of about
2 pounds per inch longitudinally and 1 pound per inch laterally. Higher
longitudinal gradients gave excessive trim force changes, particularly
with power changes. Longitudinal-maneuver forces, however, even with
satisfactory nianeuver stability as defined later, were unsatisfactorily
low. The pilots liked low lateral forces except for the poor centering
which resulted from friction. Consequently, preload was tried, although
in itself it is not desirable. Preload somewhat less than that required
to center the control exactly was found to be desirable since it per-
mitted some adjustment of the control to compensate for the impossible
task of trimming exactly and to correct for small disturbances without
fighting the preload.

* 0,••• _ '
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Stability with speed, item 2 in the outline, was one of the earliest
requirements to be applied to the helicopter as it was early recognized
and best understood. An opportunity was had to vary the speed stability •
from positive to negative with the test helicopter by means of a hori-
zontal tail while maintaining some maneuver stability. For normal
operations it was found that the pilots did not readily recognize a small
degree of negative speed stability as it led to only a very slow diver-
gence which was not detected except by holding controls fixed for an
abnormal period of time. However, such a small degree of negative sta- 0

bility cannot readily be measured. Of course, the larger amounts of speed
instability are unsatisfactory.

During early test flying with the helicopter it was readily apparent
that at cruising and high speeds the helicopter continuously tended to
diverge, as indicated in item 3(a), despite the fact that it was known 0
to have speed stability. The underlying difficulty proved to be an
instability with angle of attack which increases in severity with speed.
The type of maneuver this can lead to is illustrated in figure 2
(ref. 3). This is an attempted stick-fixed oscillation at 65 miles per
hour, initiated by a slight stick motion and return to trim. After

4 recovery control was applied to check the nose-down motion of the heli- 0
copter in this case, the stick was moved rapidly to the forward limit
which it reached 2 seconds before the acceleration peaked. However, the
collective pitch had also been reduced progressively to about 60 and a
wingover was executed for recovery. In a case such as this, blade
stalling very likely occurs as the pitch-up proceeds, causing further

4 nose-up moments. 0

This instability with rotor angle of attack was the first problem
selected for study. The primary test maneuver finally selected for
evaluation of this characteristic was the pull and hold from steady,
trimmed flight. Since a longitudinal pitching maneuver combines angle-
of-attack stability characteristics with damping, the combined character- •
istics have been labelled maneuver stability. If a helicopter or an
airplane has maneuver stability it will trim at some new angle of attack
and acceleration if the stick is deflected from trim and held. Con-
sequently, the time-history curve of normal acceleration with time
following control displacement will be concave downward from some time

4 soon after the start of the maneuver. If unstable, this curve will be 0
concave upward for an extended time interval. The maneuver stability
was varied and made positive for test purposes by the addition of a
horizontal tail to the single-rotor test helicopter. In figure 5 are
illustrated the time histories of normal acceleration with time for
pull-and-hold maneuvers for the original configuration which was unstable

4 and for the tail-on configuration which was stable. 0

In correlating pilots' opinions of the test maneuvers with a satis-
factory degree of stability, considering item 3(b), it was found that

o

4
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when the helicopter was considered satisfactory the curve of normal
acceleration became concave downward about 2 seconds after the start of
the maneuver (ref. 4). This criterion was later checked with a heli-
copter in which damping alone was varied through a range of about 2.,
to 1. These tests showed that sufficient damping could also produce
satisfactory maneuver characteristics and the 2-second criterion was
found to be adequate (ref. 5). Later still, a configuration was tried
for which additional factors were revealed. In one flight condition a
maneuver was judged marginal although the 2-second criterion was satis-
fied (ref. 6). (See fig. 4.) The time-to-peak acceleration in this
case was increased over previous configurations. This increase could
have been a result of the speed instability of this configuration., in
which case present requirements for speed stability would prevent its
occurrence. However, the pilots' opinions may have been strongly
influenced by the pitching velocity whiL.1, unlike previous cases, was
still increasing at nearly a linear rate with time, even though normal
acceleration was approaching a limit. Further studies of the criterion
for this configuration may well be indicated.

Next consider item 4 in the outline. Lateral-directional problems
found in contact flight with single-rotor helicopters have been minor.
However, in the tandem type with long fuselages and high inertia in yaw,
oscillatory and maneuvering problems have appeared (ref. 7). For maneu-
vering it is considered highly desirable that the pilot be able to execute
a reasonable turn in either direction from trimmed flight by use of
lateral control alone. This insures that gross misuse of the controls

4 will not end in unintentional maneuvers and it reduces the demands on the
pilot for accurate and vigorous coordination of controls. In order to
satisfy the turn criterion as stated above, it is first necessary that
rolling velocity resulting from displacing the lateral control will not
reverse. Figure 5 illustrates a case where rolling velocity did reverse
and reach as large a value as that in the initial direction. Secondly,
it is necessary that heading respond to the bank angle and a turn develop.
This means that the sideslip developed must be limited. In the case
illustrated no heading change occurred for about 3 seconds. Since side-
slip for a helicopter in this maneuver results only from the bank angle
and gravity, the maneuver specified for checking compliance with the
requirement is of low enough rolling velocity that sideslip has a chance
to develop before recovery must be made.

Lateral-directional oscillations of the tandem types are aggravated
by the nose-down attitude of the principal axis of inertia with respect
to the flight path in forward flight and they tend to be unstable. The
period of the oscillations experienced are such that they might become
a problem during instrument flight. The oscillation ought at least to
be damped in any case as it otherwise adds to the piloting effort involved
in all flight conditions. A more specific and stringent degree of damping
is probably desirable for instrument flight, as will be indicated in a
subsequent paper by Almer D. Whitten, and John P. Reeder.

• 0
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An atte,:pt has been made to establish a basic understanding of the
important factors which constitute the handling qualities of the heli-
copter. This has enabled some of the more important characteristics to
be chosen and varied in a systematic manner designed to determine satis-
factory ranges for these characteristics. Thus, apparently reasonable
goals have been established to serve as a basis for requirements that
are universally applicable to helicopters. Since size, configuration,
and operational uses of the helicopter are still in a fluid state, more
knowledge is undoubtedly needed about characteristics important for

specialized demands. Efforts are being continued in the field of all-
purpose instrument flight.
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AN INVESTIGATION OF THE EFFECT OF DAMPING ON

4 PRECISION MANEUVERS AND INSTRUMENT FLIGHT

By Almer D. Crim, James B. Whitten, and John P. Reeder

Langley Aeronautical Laboratory

4 Helicopter flight involving precision maneuvers, such as instrument
approaches, anti-submarine warfare work, and hoisting operations, may
require better flying-qualities characteristics and pilot's instruments
than those considered adequate for general-purpose flying. A preliminary
study of existing flying-qualities requirements under instrument condi-
tions was reported in reference 1, and some results obtained with improved
instrumentation were given in reference 2. On the basis of these studies,
it was concluded that both the pilot's instruments and the helicopter
flying qualities would require improvement for satisfactory all-weather,
all-purpose flight throughout the speed range. Consideration of some of
the problems encountered, for example, lateral-directional difficulties
at low forward speeds, suggested that additional damping of the helicopter

4 might be at least a partial solution, and the present discussion deals
primarily with some effects of varying the damping in roll, yaw, and pitch
of a single-rotor helicopter equipped for instrument flight. Figure 1
shows the helicopter used in the program. A set of dual controls, the
instrument panel, and a hood were installed in the rear cockpit for the
use of the instrument pilot.4

In order to provide a convenient and flexible means for simulating
various changes in the stability and control characteristics of the test
helicopter, components of a modified autopilot were installed and used,
in the present tests, to produce a control proportional to rate of roll,
pitch, or yaw. The magnitude of this control could be varied in flight,

* about either or all axes, from zero to a value which produced an effec-
tive damping several times greater than that inherent in the basic heli-
copter. Inasmuch as previous instrument flight tests had indicated the
importance to the pilot of desirable control forces, this installation
also permitted cyclic stick and rudder controls with very low friction,
positive centering, desirable force gradients, and means for trimming

* steady forces to zero.

The effects of changes in the damping of the helicopter were evalu-
ated by performing a series of maneuvers with different amounts of added
damping and comparing the inadvertent deviations in the flight path, the
control motions required of the pilot, and the general ease and accuracy

* with which a given maneuver could be performed. These test maneuvers
included visual take-offs, hovering, and landings; instrument ILS
approaches at 65 and 25 knots; instrument take-off s; and attempts at
instrument hovering. The instrument-landin-system (ILS) appre ch was

* S
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used most extensively in making the comparisons, since it provided a

pructical, repeatable maneuver that required rather precise flying.

Results thus far obtained have indicated that increased damping can,
in general, improve the precision of maneuvers and reduce the effort
required of the pilot. Some typical results, obtained during instrument
ILS approaches at 25 knots, are shown in figures 2 and 3. Figure 2 shows
the variations in rolling and yawing velocity with and without added
damping. In each case, the effect of the increased damping is to reduce
the random variations in bank angle and heading. Figure 3 illustrates
the decreased control motiuns made by the pilot as a result of added
damping. The three top records show the longitudinal cyclic, lateral
cyclic, and rudder control applied by the pilot during an ILS approach
without added damping, and the lower curves are the corresponding records

obtained with increased damping about all three axes.

The relative value of increased damping for precision flying appears
to be dependent upon the forward speed and upon the axis about which the
damping has been added. For the single-rotor configuration tested, the
benefits were greater at low forward speeds and hovering than at cruising
speeds, and added damping in roll appeared to be much more effective than
corresponding changes in yaw and pitch. At speeds from 65 to 25 knots,
the pilots were of the opinion that increased damping in yaw was of some
assistance but that added damping in pitch had little effect. There are
indications that, for hovering, additional damping in yaw and pitch may
be more important, although hovering tests have so far been very limited.
It should also be pointed out, in evaluating the changes in damping in
pitch, that the longitudinal characteristics of the test helicopter had 0
already been improved at speeds above 25 knots by the addition of the
tail surfaces mentioned in reference 1.

The amounts of increased damping used during these tests were chosen
as the maximum values that did not seriously impair maneuverability. The
values thus arrived at were found to be, about all three axes, approxi- 0
mately three times greater than the inherent damping of the test heli-
copter. Larger amounts of damping might, of course, be helpful during
random disturbances of the machine but would probably interfere too much
with deliberate maneuvers.

4 In summary, helicopter instrument flight has been shown to be prac-
tical if current military flying-qualities specifications are met,
although a high degree of concentration and mental effort is required.
Additional damping for this helicopter, particularly about the roll axis,
increases the accuracy of flight-path control and markedly reduces the

effort required of the pilot.
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METHODS OF PREDICTING HELICOPTER STABILITY

By Robert J. Tapscott and F. B. Gustafson 0

Langley Aeronautical Laboratory

SUMMARY

Some of the methods of predicting rotor stability derivatives have
been reviewed. The methods by which these rotor derivatives are
employed to estimate helicopter stability characteristics have been
summarized. Although these methods may not always be feasible for
predicting absolute values of stability for the complete helicopter, 0
the effects on stability of changes in individual derivatives can be
estimated.

INTRODUCTION

In order to predict helicopter stability - for example, to esti-
mate theoretically whether a prospective helicopter will meet the
flying-qualities requirements - both the applicable equations of motion
and the necessary stability derivatives must be determined.

The processes for handling equations of motion have been well
established in conjunction with airplanes, and the modification of
these procedures for helicopter use has been found a secondary problem
in comparison with the provision of values of stability derivatives.

The prediction of stability derivatives, in general, requires a
knowledge of the contributions of both the rotor and the fuselage.
Fuselage characteristics are not open to as specific an analysis as
rotor characteristics, and preliminary estimates can be handled on the
basis of data from previous designs and from wind-tunnel model tests.
The fuselage seems to be subject to greater modification up to the time
production starts; consequently, this paper is confined primarily to
the rotor contributions to the derivatives. In the past few years,
considerable information has been published which permits the most
pertinent rotor derivatives to be predicted with fairly good accuracy
where no stall is present. A general picture of this work is presented
herein.

n •
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SYOIS

W gross weight of helicopter, lb

m mass of helicopter, slugs-ft
2

R blade radius, ft

c blade-section chord, ft

R
cr 2 dr

Ce equivalent blade chord (on thrust basis), , ft

I r 2 dr
0

y rotor solidity, bce/nR

0 blade section pitch angle; angle between line of zero lift 0
of blade section and plane perpendicular to axis of no
feathering

p mass density of air, slugs/cu ft

mass constant of rotor plade, expresses ratio of air forces •
to mass forces, pcaR/I 1 ; also, climb angle, radians

Ix helicopter rolling moment of inertia about center of
gravity, slug-ft

2

Iy helicopter pitchin moment of inertia about center of •
gravity, slug- ft5

Iz  helicopter yawing moment of inertia about center of gravity,
slug-ft

2

be difference in collective-pitch angle of front and rear •
rotors, positive when rear rotor is greater, radians;
also increment of 0

AT difference in thrust of front and rear rotors, positive
when thrust of rear rotor is greater, lb

ZSR,A(aR),Aa definitions analogous to that for PO

.
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Aad difference in angle of attack of front and rear rotors due
to longitudinal swashplate tilt, positive when rear rotor
is greater

A1  lateral projection of angle between rotor shaft and axis
of no feathering; therefore, lateral cyclic pitch, radians

Bl longitudinal projection of angle between rotor shaft and
axis of no feathering; therefore, longitudinal cyclic 0
pitch, radians

8 control motion, inches from trim

V true airspeed of helicopter along flight path, ft/sec

v side velocity of helicopter in Y-direction, ft/sec 
•

C rotor angle of attack; angle between flight path and plane
perpendicular to axis of no feathering, positive when
axis is inclined rearward, radians

rotor angular velocity, radians/sec 0

tip-speed ratio, V Cos a assumed equal to

UT component at blade element of resultant velocity perpendic- 4
ular to blade-span axis and to axis of no feathering,
ft/sec

uT UT/11R

blade azimuth angle measured from downwind position in 0
direction of rotation, radians; also, angle of yaw, radians

a slope of curve of section lift coefficient against section
angle of attack, per radian

L rotor lift, 1b; also, rolling moment, ft-lb •

T rotor thrust, component of rotor resultant force parallel
to axis of no feathering, lb

Q rotor-shaft torque, lb-ft
T•

CT rotor thrust coefficient,*T 
20(R)

4 0000
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CQ rotor-shaft torque coefficient, QQ :KnR2p(4R )2 R

4 blade flapping angle at particular azimuth position,
radians; also sideslip angle, radians

a0  constant term in Fourier series that expresses 0; there-
fore, rotor coning angle

a, coefficient of -cos * in expression for 0; therefore,
longitudinal tilt of rotor cone

bI  coefficient of -sin * in expression for p; therefore,
lateral tilt of rotor cone

4 a projection of angle between rotor force vector and axis of
no feathering in plane containing flight path and axis
of no feathering

q helicopter pitching velocity, radians/sec

4 p helicopter rolling velocity, radians/sec

0angle of roll, radians

N yawing moment, lb-ft *
4 M pitching moment, lb-ft

h height of rotor hub above helicopter center of gravity, ft

Dots over symbols indicate derivatives with respect to time.

I

ROTOR STABILITY DERIVATIVES

In general, calculation of the helicopter stability derivatives
needed for a study of helicopter characteristics depends on the knowledge 5

4
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of the individual rotor derivatives shown in the following table:

O(CT/o) 6(CT/oj d(CT/o) 6(CT/q) d(CT/o)
6a dv an or aq
6o, #0' ' 60' 60 0b'

d(GQ/0) d(c0 o) a(CQOM) #(Coq) *(0 /oM
#a av da e a)q

6 000 dO0  do0  600 do0
$a av an -To -a 8q

do, don 0o do0 6o0
6a av an  70- -aq

* ab, ab, ab, eb, 6b, 0
aa aV an TV -8q

* S
As shown the rotor parameters considered are CT/a and a', the magni-
tude and tilt of the thrust vector, respectively; rotor torque CQa;
blade coning angle ao; and b, and al, the lateral and longitudinal
flapping, respectively. These rotor parameters are functions of five
independent variables: rotor angle of attack a, forward speed V,
rotational speed a, collective pitch e, and pitching velocity q. The
values of the derivatives are determined by the variations from trim of
the rotor parameters with changes in each of the five variables. The
total number of derivatives shown here is large; however, it is generally
possible to reduce considerably the number needed for most applications.
For instance, if the rotor under consideration has no flapping hinge
offset, the flapping coefficients are not significant; thus, the number
of derivatives to be considered is inmdiately reduced by about one-half.
If necessary, however, these derivatives can be determined from the equa-
tions of references 1 and 2.

Of the remaining derivatives, the lift due to pitching and torque
due to pitching generally can be neglected. For most cases, then, the
derivatives needed have been reduced to those enclosed within the lines
in the preceding table. All the CT/a, CQ/a, and a' derivatives can
be obtained from figures or equations of references 2 and 3, as will be
shown in the following discu Ih
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The thrust due to angle of attack and collective pitch are presented
as functions of tip-speed ratio as shown in figure 1. If the solidity
and tip-speed ratio for a given case are known, these quantities can be
read directly. The equations on which this figure is based and the
processes by which they were derived are discussed in reference 3.

The change in thrust coefficient with tip-speed ratio is presented
in reference 3 in the form of an equation from which, when the flight
condition is known, the rate of change of thrust coefficient with for-
ward speed and rotational speed can be computed.

The change in inclination of the rotor force vector due to steady
pitching or rolling velocity has been derived in reference 2. This
derivative is shown in figure 2 as a function of the parameter _ -

As the effect of tip-speed ratio . is small, the equation shown in 0
figure 2 is fairly accurate below a tip-speed ratio of 0.5 for both roll
and pitch. The rotor damping moment is determined simply by multiplying
the quantity obtained from the figure by 18/yQ and by the rotor thrust
and rotor height above the helicopter center of gravity; that is,

_ - a'/q X Th 18
6q 18/y 'f

For the rotor-vector angle and rotor torque derivatives, charts such
as those shown in figure 3 have been derived and are published in refer-
ence 3. These charts are given for a range of collective-pitch angles
from 0 to 140 at 20 increments; the sample shown herein is for a collec-
tive pitch of 80. In these charts, the longitudinal rotor-vector
angle a' is plotted against thrust-coefficient-solidity ratio for
specified values of tip-speed ratio. Lines of constant power param-
eter CQ/9CT are cross-plotted on the charts. Combinations of these 0
parameters which result in angles of attack of 120 and 160 on the
retreating blade are indicated by dashed lines; these lines, in effect,
serve as limit lines above which account must be made of stall. By
using slopes or differences from these charts in conjunction with other
derivatives and some simple equations, the remaining a' and torque
coefficient derivatives can be obtained. As an example, consider the
derivative of a' with respect to angle of attack. From this chart,

the rate of change of a' with thrust coefficient can be obtained at
a given tip-speed ratio and thrust coefficient by scaling off the slope
of the tip-speed-ratio line at the desired thrust coefficient. When this
quantity is multiplied by the change in thrust coefficient with angle of
attack, which has already been discussed, the result is the change in a'
with angle of attack. The other a and the torque coefficient deriva-
tives can be obtained by similar procedures. These procedures are dis-
cussed in reference 3.

0 0
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PREDICTION OF HELICOPTER STABILITY

By using the rotor derivatives that have been discussed, it is
believed that the rotor contribution to the essential helicopter deriva-
tives can be predicted. The rotor derivatives discussed are applicable,
in most cases, to a study of the stability characteristics of either a
single- or tandem-rotor configuration. The difference arises in using
the rotor derivatives to determine the helicopter derivatives for use S
in the equations of motion and in accounting for the effects of flow
interference for a specific configuration. For most purposes, the
lateral and longitudinal characteristics of the helicopter can be
studied separately. Generally, equations of motion derived on the basis
of constant forward speed are sufficient and are applicable to both
single- and tandem-rotor configurations. 0

In a study of the longitudinal characteristics of the helicopter
(ref. 4), an important criterion is that the time history of the normal
acceleration shall be concave downward within 2 seconds after a step
input to the longitudinal control. In order to assist in estimating
theoretically whether a prospective helicopter will meet this criterion, S
the following equations of motion were devised:

6L q +L Ae+LA WYTq - +- --
CL g

6M q + L A + - 6a + l - Iyq = 0

= q dt - y - BI

These equations are based on flight-path axes and derived on the assump-
tions of constant forward speed, constant rotor speed, and constant sta-
bility derivatives. The assumption is also made that the dynamic maneu-
ver can be represented by a series of static conditions; hence, the rotor
parameters are always at their equilibrium values as determined by the
instantaneous values of angle of attack, pitch angle, tip-speed ratio,
and pitching velocity. The first and second equations shown represent,
respectively, equilibrium normal to the flight path and equilibrium in
pitch. The third equation simply relates the variables of the first
two equations to permit a solution.

.
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The form of the equations as shown applies specifically to the
single-rotor configuration; for the tandem, another term must be included (
to account for the pitching moment due to control motion. For the tandem S
configuration, this control moment results primarily from differential
collective pitch on the two rotors.

In reference 5, these equations of motion have been solved for the
climb angle y, which, in turn, permits an expression to be written for
the time history of the normal acceleration. Values of combinations of 0
derivatives have been determined which, when substituted into the expres-
sion for the time history of normal acceleration, will result in a time
history that is concave downward at 2 seconds. These values have been
presented in the form of a chart, as shown in figure 4. The curve in
figure 4, therefore, indicates a boundary line separating combinations
of significant longitudinal stability derivatives which result in satis- •
factory characteristics or unsatisfactory characteristics according to
the criterion previously mentioned. Shown along with the theoretical
curve are data points corresponding to four helicopter configurations.
The derivatives for the configurations corresponding to the points shown
were measured in flight and the adjacent number is the approximate time
for the corresponding normal-acceleration time history to become concave 0
downward. The theoretical curve is indicated to be qualitatively correct
for both single- and tandem-rotor helicopters for separating configura-
tions which have satisfactory maneuver stability from those which have
unsatisfactory maneuver stability according to the criterion. This
indication can be seen by noting that the points for which the normal-
acceleration time history becomes concave downward in less than 2 seconds •
fall in the satisfactory region whereas, for times of more than 2 seconds,
the points fall in the unsatisfactory region.

Figure 4 shows an increase in the angle-of-attack stability or
damping in pitch (that is, more negative M., or Mq), or increases in

the lift-curve slope La to be stabilizing. Also, it can be deter- S
mined from this plot that an increase in pitching moment of inertia Iy
can be destabilizing. Since the change in lift slope can be small only
and is not expected to change sign, the primary changes in stability
must be brought about by changes in the damping-in-pitch or angle-of-
attack stability.

In the discussion of longitudinal stability so far, the forward
speed has been assumed constant. For the tandem configuration, however,
the downwash effects of the front rotor acting on the rear rotor cause
an unstable variation in pitching moment with speed. A study of the
speed stability of the tandem was made in reference 6. In that study,
on the basis of the available derivatives discussed previously, an S
expression for the change of stick position with speed was derived. The
equation, along with a plot of constants based on the rotor derivatives,
is shown in figure 5. The constants for use in the equation are presented

, • • •• • •
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for several values of rotor solidities over a range of tip-speed ratios.
After a flight condition is selected and the tip-speed ratio and thrust
coefficient are thereby established, the slope of the stick-position
variation with speed can be determined. This equation takes into account
the effects on speed stability of center-of-gravity position, differential
rotor speed, differential rotor radius and solidity, and "longitudinal
dihedral. Effects of these parameters can be studied either together
or separately.

This analysis of tandem-speed stability is of value especially in
the study of the relative effects of changes in the various parameters
wherein it is not necessary to know accurately the value of downwash or
the fuselage contribution. In order to predict the absolute value of
speed stability, the downwash must be estimated for the configuration
and flight condition under consideration and the variation of the fuselage 0
moments must be known. The results of flow-field measurements presented
in references 7 and 8 should be useful in estimating the magnitude of
the downwash applicable to a specific condition.

The next important item in helicopter stability is the lateral-
directional characteristics. If roll, yaw, and sideslip are considered 0
as degrees of freedom, the equations of motion are as follows:

IX +L + _LL v - 8L 6 = 0

0 S

Z, N + N v - 6N b = 0

- sin n + -T - T* tan y + mv

For convenience in determining the derivatives, these equations are
based on principal axes of inertia rather than on the relative wind. In
general, the rotor contribution to the derivatives needed in these equa- 0
tions can also be determined from rotor theory. Fuselage contributions
can be predicted from wind-tunnel data and previous experience or from
flight data where available.

These equations have been found useful particularly in estimating
the effects on helicopter characteristics of changes in the individual 0
stability derivatives. As an example, figure 6 shows the theoretically
predicted time histories of rolling velocity and sideslip angle of a
tandem-rotor helicopter. The curves on the left-hand side of figure 6

4 40
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represent a case with values of the derivatives estimated for the original
helicopter. On the right-hand side of figure 6 are time histories of the
same quantities when the effective-dihedral derivative is reduced 50 per-
cent. From this figure, it is indicated that a 50-percent reduction in
the effective dihedral would substantially improve the oscillatory char-
acteristics of the helicopter. In an attempt to improve the character-
istics, this means was tried experimentally. The results are shown in
figure 7 wherein the experimentally measured time histories of rolling
velocity and sideslip angle before and after the derivative change are
compared. The comparison shows that, as predicted by the theory, a
reduction in the effective dihedral improved the oscillation. Thus, in
this case, the theory was employed successfully to indicate the course
to be followed in making an improvement.

CONCLUDING REMARKS

In general, on the basis of the studies discussed herein, it will
frequently not be feasible to predict accurately absolute magnitudes

* for the stability of the complete helicopter particularly because of the •
difficulty of predetermining final, full-scale fuselage characteristics.
However, a first approximation can be made, and by making some compara-
tively straightforward flight measurements of stability derivatives and
re-employing the theory to show what modifications are needed, it appears
feasible to handle at least those problems with which direct experience
has been had. It appears likely that, in most cases, changes in several •

derivatives simultaneously would be necessary to achieve most efficiently
the desirable stability characteristics, and the equations discussed
herein should prove very useful in this type of study.

6 0
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TANDEM SPEED-STABILITY EQUATION

d(# ot(CTN (AT_. AR -A (CT [. 2 W
dp, pA,\u/kK2AV) ' +3&ad +K4C-Td ,~~~~ L=/a\ Iv o\'/v

.7 - K2

0 -.

. 09

-6. ....40

0 23 45

F igure

PREDICTED EFFECT OF REDUCTION IN EFFECTIVE 0
DIHEDRAL ON LATERAL OSCILLATION

ORIG4IAL 50% DECREASE IN 8L

* S
R 4 0

DEG/SEC of

4 0

DEG 0

20-
L I-_ ___ ___

0 4 8 12 16 0 4 8 I2 16
TIME, SEC

Figure 6

.
0 0 0 0 0 0 0 0 0

o 0 ) 0 0 0 0 •



235

MEASURED EFFECT OF REDUCTION IN EFFECTIVE
DIHEDRAL ON LATERAL OSCILLATION 0

ORIGINAL 50% DECREASE IN -L

°I
DEG/SEC 0

40-

Li

DEG 0 " E

0 4 8 12 16 0 4 8 12
TIME, SEC

Figure 7

00

• • •• • •• •0

. ... 0 0 0 • 0 0



A

237

METHODS FOR OBTAINING DESIRED HELICOPTER

STABILITY CHARACTERISTICS 
S

By F. B. Gustafson and Robert J. Tapscott

Langley Aeronautical Laboratory

SUNMARY

A brief suary is made of methods available to the helicopter
designer for obtaining desired stability characteristics by modifications
to the airframe design. The discussion is based on modifications made S
during the establishment of flying-qualities criteria and includes sample
indications of theoretical studies of additional methods.

INTRODUCTION

The problems relating to stability of helicopters have been the
subject of numerous published works. Requirements established by the
military services for satisfactory helicopter stability are specified
in reference 1. Some of the pertinent works on this subject by the
NACA are listed as references 2 to 13. The purpose of this paper is 0
to summarize some of the physical methods available to the designer for
obtaining desired stability values by changing the airframe design.
Although the direct application discussed is with a view to meeting
flying-qualities criteria, it may be worth pointing out that other rea-
sons often arise for designing a configuration so that specific amounts
of stability are provided; for example, in order to obtain the most •
efficient combination of autopilot and airframe design.

The scope of the present discussion is outlined in the following
table:

Characteristic Rotor type investigated

Sensitivity in roll Single and tandem

Maneuver stability Single and tandem

Speed stability Single and tandem

Lateral oscillation and Tandem
turn characteristics .

00 0 0 0 0 0 0 0

0 0 0 0 0 0 0
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Available results on directional weathercock stability of tandem
helicopters are not included in this discussion because of thorough cov-
erage in reference 2. For helicopter types other than single-rotor or 0
tandem-rotor configurations, no direct information is provided herein
but much can be inferred from the more appropriate of the two types
covered.

For each of the stability characteristics covered, modifications
made to the design in the process of exploring a range of characteristics 0
during the establishing of desired flying-qualities criteria are discussed.
The value of the cases illustrated lies in the fact that they are demon-
strated cases for which measured stability-parameter values are available.
Optimum design generally requires a choice of methods or combinations of
methods; therefore, sample indications of theoretical studies of addi-
tional methods are included in each case. 0

SYMBOLS

L5  rolling moment due to control deflection 0

Lp rolling moment due to rolling angular velocity

AWb change in weight of blade radius

R blade radius 0

I1 blade moment of inertia

7 blade mass factor

MM pitching moment per unit angle-of-attack change 0

Mq pitching moment due to unit pitching angular velocity

L rolling moment

v sideslip velocity 0

1 rotor rotational speed

a rotor solidity

B I  longitudinal cyclic pitch 
0

V forward velocity

60

4 0 0 0 0 0 0 0

4 0 0 _0 -0 -0 0 0
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cm section pitching-moment coefficient

66 difference between collective pitch of front and rear rotors

SENSITIVITY IN ROLL

* Sensitivity in roll, which is frequently a major problem in the 0
hovering characteristics of small helicopters, is treated in table I.
The test vehicle is a two-place single-rotor helicopter. The parameter
discussed is the ratio of control power (that is, the rolling moment per
unit stick deflection) to damping, which is the resisting moment per unit
angular velocity of the helicopter. Since changes in the value of control
power are restricted by trim requirements, this discussion is concerned S
solely with changes in damping.

The requirement of the current military specification (ref. 1) is
that the rate of roll per inch of stick displacement be less tham 200
per second. The test helicopter provided the opportunity to explore a

* fair-sized range of values, always on the satisfactory side, by adjusting •
a mechanical gyroscopic device. The value of L6/Lp of 14 is obtained with
the device locked out and the value of 5.2 is with the device as far
beyond the production setting as feasible. Both from theory and from
flight measurements on other helicopters, it is known that, with lighter
blades and no special device, the requirement of reference 1 would not

have been met. Therefore, examination of a few additional methods for *
changing the damping and hence the sensitivity is advisable.

Increased blade inertia is one method. If a tip weight is considered,
60 percent of the blade weight is calculated to be needed to duplicate the
full change in L5/Lp from 14 to 5.2. Flapping-hinge offset will increase
damping, but bear in mind that the control linkage is assumed here to be 0
changed to prevent increase in control power; else little change in sensi-
tivity would result. With the heavy blades of the test helicopter, an
offset of only 2-percent radius should be needed to change L6 /Lp from
14 to 5.2; with light blades, an offset of 5-percent radius would be
enough.

A third design approach which makes possible increased damping is
the use of aerodynamic servo controls; as viewed from above the rotor in
the sketch of table I, one type uses a surface behind the outer part of
the blade and another, a surface attached at right angles at the blade
root. Such devices apparently can be designed to provide increases in
damping sufficient to cover the test range.

Sensitivity in roll for the tandem helicopter requires no separate
discussion since, in roll, it is possible simply to consider two single
rotors instead of one.

S40.
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MANUEVER STABILITY OF SINGLE-ROTOR HELICOPTERS

For the maneuver-stability (or divergence) problems with single-rotor
helicopters at cruising speed, two separate cases are treated in table II.
With one helicopter, the variations were made by way of angle-of-attack
stability, and in the other case, by way of damping in pitch. For the
first case, a change to a value of angle-of-attack stability of 300 pound-
feet per radian was enough to cause the requirement to be met. The range 0
covered went from the unstable value of +7,000 pound-feet per radian to
the stable value of -2,100 pound-feet per radian. (Minus is stable in
accepted stability theory.) The test conditions actually extended some-
what farther than the value of -2,100 pound-feet per radian on the stable
side but the M.-values were not recorded.

The tail assembly used has been discussed in published papers, par-
ticularly reference 3. It may bear repeating, however, that a total tail
area of 0.5 percent of the rotor area could make the difference between
the helicopter's diverging excessively in a few seconds and being able
to fly through rough air without the longitudinal control being moved.
This result was obtained after linking the tail to the cyclic controls, •
which so reduced the design compromises as to permit use of a somewhat
more effective tail.

Tests were made with a different helicopter (labeled (2) in
table II), wherein the damping in pitch was varied in such a way as to

4 bracket the condition for which the requirement was met. The value of 0
-1,200 pound-feet per radian needed to cause the specification to be
met falls about midway in the range of -700 to -1,900 pound-feet per
radian covered. Damping is another quantity where the minus sign is
indicative of a stable condition. As to the method used, the investi-
gation was the same as that which provided the damping-in-roll values

4 given in table I.

As to alternate methods, for large changes in angle-of-attack sta-
bility M., there do not seem to be too many which will cover the range
single handed. Increase in rotor speed is listed because the effect of
such an increase is calculated to be sufficient to warrant thought of
some compromise with design for optimum power. It will be understood 0
that rotational speed is appropriate because in all other respects the
design is fixed; more fundamentally, what is implied is lower values of
pitch and tip-speed ratio. A 33-percent increase in rotor rotational
speed is estimated to give half the range covered and would not have been
enough, in itself, to meet the specification. The effects are not linear
and much greater increase in stability by this method would cause extreme S
compromise with performance.

q 0 0 0 0 0 0 0
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If offset flapping hinges are used, then the aircraft center-of-
gravity position affects angle-of-attack stability. An estimate for this

helicopter is that, with the hinges at 5-percent blade radius, moving the
center of gravity 7 inches (2.5 percent of the rotor radius) forward frcmc
the rotor shaft would produce as much change as the 33-percent increase in
rotor rotational speed. With the same offset, a center-of-gravity shift
of 14 inches, if such is tolerable, would produce the change to the
-2,100 value and thus would permit the requirements to be exceeded.

For alternate methods of varying the rotor damping in pitch Mq,
the methods given in the roll-sensitivity discussion again apply.

MANUEVER STABILITY OF TANDEM-ROTOR HELICOPTERS

Maneuver stability for the tandem helicopter, again at cruising
speed, is treated in table III. The parameter considered is again moment
per unit angle-of-attack change, and with the test helicopter the unstable
value of 57,000 pound-feet per radian corresponded to a value that would
just barely meet the requirements set forth in the specification. The
test range shown, from the unstable 72,000 pound-feet per radian to the 0
stable -16,000 pound-feet per radian, went several times farther than
just reaching the marginal value. It is desirable to be able to make
these larger changes. The test method used was not altogether appropriate
for this discussion because so much of the range was obtained by choice
of power setting. The available center-of-gravity range produced a useful
but subordinate change, forward center of gravity being the more stable. S

Calculations, therefore, are again used to illustrate other methods.
Changes which affect the relative lift-curve slopes of the front and rear
rotors seem especially effective. It is estimated that, if the front-rotor
radius is decreased and the rear-rotor radius is increased, with a total
difference of 10 percent of the mean radius, the test value of stability 0
increase would be realized. If, instead, the rotor solidities were simi-
larly changed by putting wider blades on the rear rotor and narrower ones
on the front rotor, this same stability increase could be obtained with
a solidity differential of 45 percent of the mean value.

The size of horizontal-tail surface necessary to contribute the same 0
range was computed, in order to illustrate the conclusion that a hori-
zontal tail is relatively less effective for tandems than for single
rotors. A value of 4 percent of rotor area is indicated in distinction
to the 0.5 percent used on the single-rotor helicopters. Although the
two cases are not strictly comparable, the impression given is considered
to be reasonable. 0

4 0 0 000000

4 0 0 • 1
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SPEED STABILITY OF SINGLE-ROTOR HELICOPTERS

Table IV treats the speed stability for the single-rotor case. With
fixed pitch and throttle, the stick is required to trim farther forward
with increase in speed. The parameter used to measure this change is the
longitudinal cyclic pitch BI per unit velocity V (in knots). The
range tested (Bl/V from 0 to 0.06 degrees per knot) was obtained by
changes in horizontal-tail setting. When sufficient upload was provided •
on the tail surface, the stable contribution of the rotor could be can-
celled; when download was provided, it could be increased. Incidentally,
most of this exploration of near-zero speed stability was obtained with
the tail linked to the cyclic stick, the reason being that a high, fixed,
nose-up tail setting can be dangerous in event of inadvertent speed
increase. 0

Since the rotor tends to be stable, most concern is felt over desta-
bilizing factors. Fuselage shape can be as destabilizing as a nose-up
tail setting, although a range of 30 foot-pounds per knot would be rather
large. A large rotor-blade-section diving moment could more than cancel
the stable tendency of the rotor. The increment 6cm of 0.06 actually •
was suggested by the dangerous characteristics which arose with autogiros
having cm = -0.06. A rough estimate indicated the value of 0.06 to be \
the right order of magnitude to produce the change under discussion as
well.

SPEED STABILITY OF TANDEM-ROTOR HELICOPTERS ....

Table V relates to speed stability of the tandem-rotor type. The
longitudinal control of this configuration is obtained primarily by
changing the pitch-setting difference between front and rear rotors, and
the parameter is written to correspond as &O/V. This quantity was varied
from -0.01 to 0.003; thus, the requirement of at least zero is bracketed.
This change was accomplished by changing the tilt angle between the front
and rear rotor systems. The unstable setting was Ae = 00; the stable
one, 1.80 "toe-in."

Calculations indicate that a center-of-gravity shift from midway
between the shafts to 22 percent ahead of the midpoint should produce
the equivalent range. The 22-percent value is based on total distance
between shafts. Similarly, giving the rear rotor higher solidity and
the front less, with a total difference Au of 34 percent of the mean
should achieve this same result. These values are for cruising speed;
at low speeds the effect of center of gravity can even reverse, whereas
the solidity change becomes more effective. The use of some of each
method thus holds special interest. It is also worth noting that these
effects act in the same direction for speed stability as they do for
maneuver stability.

°
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IATERAL-OSCILLATION AND TURN CHARACTERISTICS

OF TANDEM-ROTOR HELICOPTERS

Tandem-rotor lateral-oscillation and turn characteristics at cruise
speed are treated in table VI. One of the most effective parameters for
both is roll due to sideslip velocity, or L/v, measured as foot-pounds
of rolling moment per foot per second of sideslip velocity. Fortunately, 0
this quantity, which is the effective dihedral, is not critical in its
own right, provided it stays on the stable side. (By convention, stable
values are negative.) Most of the required change was obtained by
attaching small wings (surface area, 7 sq ft) to the landing gear. The
front view and side view are shown. It was most convenient in these
flying-qualities trials to further extend the test conditions by change 0
in flight condition; but with so many designs sprouting modest-sized
wings (much bigger than the panels used in these tests), making the full
change needed may often require only that the right geometric dihedral
be determined.

One additional method is to change the vertical location of the •
center of gravity relative to the side-view area. Only a major change
in power-plant location, such as overhead turbines, seems likely to make
a change of this magnitude (9 in. shift in center of gravity). Contri-
buting changes, though, including some ventral fin area, may often prove
feasible.

Increased damping in roll is another effective parameter that can be
considered. This method is discussed, along with still other approaches,
in reference 4.

CONCLUDING REMARKS

Examples have been presented to illustrate methods for improving
helicopter stability. It will be realized that many of the numerical
values which have been given apply only for the case studied. For
example, a tandem helicopter might already have lower effective dihedral
or might somehow be designed with less nose-down inclination of the prin-
cipal inertia axis and, in either event, might meet the lateral require-
ments without reduction in effective dihedral.

The cases presented are believed to illustrate that it is now fea-
sible to choose one or more important stability parameters from theoret-
ical studies and, in turn, to find a combination of methods whereby
parameter values are realized which provide the desired stability
characteristics.

,0 0 0•, .
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Aside from the degree of fundamental understanding, which involves
the usability of theory, a variety of choice of methods is suggested as
the key to the obtainance of desired characteristics with a minimum of

4 design compromise. It is hoped that these sample methods may be helpful
in suggesting still more approaches to the helicopter designer.
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TABLE I •

SENSITIVITY IN ROLL
SINGLE ROTOR; 2,200-LB GROSS WT.

PARAMETER VALUE TO RANGE METHOD USED
MEET TESTED

MIL-H- 8501

CONTROL POWER <20 14 TO 5.2 AVAILABLE GYRO
DAMPING DEVICE; L8 FIXED

La , DEG/SEC
Lp IN. _

ADDITIONAL METHODS (L& FIXED) AMOUNT FOR
RANGE TESTED

INCREASE IN II . AWb : 0.6
VIA TIP WT.

HINGE OFFSET 2% R
WITHy 4.7 ____1_____

AERO c]'-vv: ric- - -- --
SERVOS

0

TABLE I

MANEUVER STABILITY

SINGLE ROTOR; GROSS WTS.: (I) 5,000 LB AND (2) 2,200 LB;
CRUISE SPEED 0

MAJOR VALUE TO RANGE METHOD USED
PARAMETER MEET TESTED

VARIED MIL-H-8501

(I) Ma, LB-FT <300 7,000 TO TAIL SURFACE--
RADIAN -2,100

(2) M LB-FT <-1,200 -710 TO AVAILABLE GYRO
SRADIAN/SEC (ROTOR) -1,930 DEVICE

PARAMETER ADDITIONAL METHODS AMOUNT FOR
1/2 RANGE TESTED

INCREASED RPM 33%
Ma FORWARD C.G. WITH A C.G. 2.5% R

OFFSET HINGES WITH 5% OFFSET

MQ SIMILAR TO ROLL SENSITIVITY

.0

,6 . ,,,

* 0 0. . 0nm ma mn m m u••. .
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TABLE M 9

MANEUVER STABILITY
TANDEM ROTOR; 7,000-LB GROSS WT.; CRUISE SPEED

MAJOR VALUE TO RANGE METHOD USED
PARAMETER MEET TESTED 0

MIL-H-8501

M,,, LB-FT 72,000 TO C.G. AND
RADIAN < -16,000 POWER SETTING

ADDITIONAL METHODS AMOUNT FOR 0
RANGE TESTED

AR (SAME U) 10%

A. 45%

TAIL SURFACE 100 SQ FT OR 4% OF
TAI___URFAE__ TOTAL ROTOR AREA

TABLE M

SPEED STABILITY
SINGLE ROTOR; 5,000-LB GROSS WT; CRUISE SPEED

PARAMETER VALUE TO RANGE METHOD USED
MEET TESTED

MIL-H-85OI

SDEG •O OTO .06 TAIL SURFACE--
DE 0 0TO006 -&4 jV KNOT .-

ADDITIONAL FACTORS AMOUNT FOR
RANGE TESTED

MOMENTS, FUSELAGE a FT-LB
LESS TAIL A KNOT'30

BLADE SECTION PITCHING- ACm 0.06
MOMENT COEFFICIENT

00

0 0 0 0 0 0 0 0

4 0 0 -0 0 0 ._0.
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TABLE 7

SPEED STABILITY 0
TANDEM ROTOR; 7,000-LB GROSS WT.; CRUISE SPEED

PARAMETER VALUE TO RANGE METHOD USED
MEET TESTED

MIL-H-S5OI

_. 01 d  0
aa DEG-71-, T 3 0 TO '. ,

0003

ADDITIONAL FACTORS AMOUNT FOR
RANGE TESTED

C.G. SHIFT 22%

34%

TABLE

LATERAL OSCILLATION AND TURN CHARACTERISTICS
TANDEM ROTOR; 7,000-LB GROSS WT., CRUISE SPEED

MAJOR VALUE TO RANGE METHOD USED 0
PARAMETER MEET TESTED

MIL-H-8501

ROLL DUE TO a
SIDESLIP, k -26 -75 TO -37

FT-LI3 TWO WINGS,FT/SEC 7 SO FT EACH 0

ADOITIONAL METHOD AMOUNT FOR

RANGE TESTED

VERTICAL CG.-LATERAL 9 IN. 0
C P RELATIONSHIP

0

0 0 0 0 0 000

00 0 0 0 0 0 0
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V111-TM STDIS OF TH DIRECTIONAL STABILITY1

CHARACTERISfTICS OF TWO TAXNDEN

H ELICOPTER FUSELAGESI

ByJohn D. Bird and James L. Williams

Langley Aeronautical Laboratory S

IIMRODUCTION

The results of flight tests of two types of tandem helicopters, 0
one a helicopter with nonoverlapping rotors, which viii be referred to
as the "nonoverlap helicopter, and the other a helicopter with over-
lapping rotors, which will be referred to as the "overlap helicopter,"
shoved undesirable directional stability characteristics for certain
angles of attack and sideslip. Figure 1 shows the top and side views
of the fuselages of these helicopters. The nonoverlap fuselage is 0
characterized by an upvard bending of the rearward portion. The over-
lap fuselage is characterized by a pylon faired to form a thick verti-
cal tail (approximately 35 percent thick) and a thick fuselage rear
section. The instability experienced by the nonoverlap helicopter was
a directional divergence that occurred predominately in the descent and
autorotation conditions of flight and was of sufficient degree to con- 0
plicate materially the operation of the helicopter. The difficulty
experienced by the overlap helicopter was a lack of directional stability
at small angles of sideslip which resulted in two stable directional
trim points in forward flight, one with about 70 or more of sideslip to
the left and the other with about the same amount of sideslip to the
right. 0

Because of the seriousness of these difficulties and the interest
in these types of ruselages, an investigation was undertaken in the
Langley stability tunnel in order to study their directional stability
characteristics and to find solutions, if possible, that would give
satisfactory stability. The models employed were not equipped with 0
rotors and hence no measure of rotor effects was obtained. The charac-
teristics of the nonoverlap fuselage will be discussed first in this
paper.

* S
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RESULTS AND DISCUSSION 4
Nonoverlap-Fuselage Model

The directional stability characteristics of the basic nonoverlap-
fuselage model and tail assembly are shown in figure 2. The fuselage-
tail configuration is directionally stable over most of the sideslip
range for m = -100 but becomes progressively more unstable as the angle 0
of attack is increased, being unstable for m = 100 and even more
unstable for m = 300. This directional instability at positive angles
of attack and the large variation of stability with angle of attack is
not desirable.

Investigations indicated the instability to result from two main 0
causes, an extreme variation in the stability of the fuselage alone with
angle of attack which does not exist for unbent fuselages and a large
destabilizing interference caused by an asymmetrical trailing vortex
system. The destabilizing interference is shown for m = 100 in fig-
ure 3. It can be seen from a comparison of the result of summing the
characteristics of the fuselage and isolated tail with the character- 0
istics of the fuselage and tail tested in combination that a large
destabilizing interference increment exists that is presumably attribut-
able to sidewash influences on the vertical tails.

In an investigation of this matter, tuft-grid tests were made and
showed an unusual air-flow pattern behind the nonoverlap fuselage at *
positive angles of attack. This air-flow pattern consisted of an
asymmetric trailing-vortex system that emanated from the vicinity of
the fuselage nose and center section and resulted in an undesirable
sidewash effect over the fuselage and tail surfaces. Figure 4 shows the
position of the tuft grid employed in these tests and the arrangement
of this asymmetric vortex system in relation to the fuselage and tails
at an angle of attack of 200 for 200 of sideslip. The projection of the
vertical tails on the grid is also indicated. The movement of these
vortices as the angle of sideslip is changed results in an adverse varia-
tion of sidewash that materially reduces the effectiveness of the vertical
tails in contributing to directional stability. An interesting feature
of the tuft-grid tests was the oscillation of the vortices that occurred
near zero sideslip. The action of these oscillating vortices on the
fuselage and vertical tail surfaces is conducive to erratic directional
behavior in this region.

A number of tests were made in an effort to find a simple correction
for the directional instability of this fuselage that would be suitable
for application to production machines but with little success. However,
the results of some exploratory tests in the Langley free-flight tunnel
indicated that spoilers located around the nose of a fuselage, though

• .0
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causing an appreciable increase in drag, would eliminate a large part of
the unstable fuselage yawing moment and thereby materially improve the
directional stability. Spoilers of this type were employed at Langley
to alter the directional stability characteristics of a flight-test
vehicle with considerable success. Figure 5 shows the results of wind-
tunnel tests made on the nonoverlap fuselage with spoilers installed.
The spoilers employed on this model corresponded to full-scale spoilers
4 inches wide and extended almost completely around the nose of the
model. The fuselage-tail configuration with spoilers installed was in 0
general directionally stable at the three angles of attack investigated,
whereas the same arrangement without spoilers was unstable for m = 100
and 300. Addition of the spoilers resulted in an equivalent parasite-
area increase of 5 square feet.

Overlap-Fuselage Model

Consider now the other phase of the stability-tunnel investigation
of tandem-rotor-helicopter fuselages. As mentioned previously, this work
was concerned with the directional stability characteristics of an over-
lap helicopter fuselage. Figure 6 shows the directional stability char-
acteristics of the basic fuselage pylon configuration for three angles
of attack. The fuselage-pylon configuration is directionally unstable
at these angles of attack for small angles of sideslip but directionally
stable for larger angles of sideslip. A study of this situation and
results from a few experiments with an extremely thin pylon indicate that
this instability at small angles of sideslip is attributable to a con- •
siderable degree to the large trailing-edge angle of the pylon-fuselage
combination. Previous work has indicated that large trailing-edge angles
on wings result in low lift-curve slopes for the low angle-of-attack
range. This effect is associated with movement of the point at which
the flow separates from the negative pressure side of the airfoil form
near the trailing edge as the angle of attack is changed and is similar
to the action of a trailing-edge tab with regard to the pressure changes
produced on the airfoil. Experiments showed that a thin pylon largely
eliminated the instability at small angles of sideslip because of the
magnitude and relative linearity of its lift-curve slope throughout the
angle-of-sideslip range. Such an arrangement does not offer a practical
solution to this directional-stability problem, however, and a suggestion
was made that elimination of the large trailing-edge angle of the origi-
nal pylon-fuselage arrangement by making the sides of the pylon nearly
parallel and the trailing edge blunt might offer an acceptable solution.
Previous experiments have shown that similar modifications produce material
improvements in lift-curve slope for wings with large trailing-edge angles.

Figure 7 shows the result of a series of experiments made to deter-
mine the directional stability characteristics of the overlap-fuselage
model equipped with pylons of various degrees of bluntness for a = 100

4 0 ,.°o...
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and a = -100. These results show that blunting the rear of the pylon-

fuselage combination was extremely effective in making the fuselage model
4 directionally stable and that a blunt trailing edge having a thickness 0

about 33 percent of the maximum pylon thickness was approximately equal
in effectiveness to blunt trailing edges having thicknesses either about
66 percent of or equal to (100 percent) the maximum pylon thickness.
The addition to the pylon of the 33-percent blunt trailing edge increased
the equivalent parasite area 1.5 square feet.

CONCLUSIONS

The results of an investigation of the directional stability char-
4 acteristics of two tandem helicopter models lead to the following •

conclusions:

1. The bend in the fuselage had an undesirable influence on the
directional stability of the nonoverlap fuselage. The use of spoilers
on the fuselage nose eliminated the instability of this fuselage at a

4 cost of 5 square feet of equivalent parasite area. 0

2. The instability of the overlap-fuselage model at small angles of
sideslip was attributable to the large trailing-edge angle of the pylon-
fuselage combination, and blunting the rear of the pylon eliminated this
directional instability.

* 0
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TOP AND SIDE VIEWS OF FUSELAGES INVESTIGATED 0

* 0

NONOVERLAP OVERLAP

Figure 1
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BREAKDOWN OF FUSELAGE AND TAIL CONTRIBUTIONS AT a -100
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EFFECT OF NOSE SPOILERS
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EFFECT OF TRAILING-EDGE BLUNTNESS
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FLIGHT TESTS OF A MAN STANDING ON A

ROTOR-SUPPORTED PLATFORM 0

By P. R. Hill

Langley Aeronautical Laboratory

The one-man helicopter, which is familiar to all, is usually thought

of as an ordinary helicopter with overhead rotor, but reduced in size.
An entirely different concept for a one-man helicopter is shown schemati-
cally in figure 1 in which the man stands on a platform over the rotor
instead of hanging under it. He balances himself on the platform in about
the same way that he balances when standing on the ground and uses the •
same reflex action and balancing mechanism that he used in standing on
the ground. Since balance is accomplished by the direct action of the
feet, the control column and accompanying linkages are eliminated; this
amounts to a basic simplification. This stand-on scheme was proposed by
Mr. Charles H. Zimmerman.

o 0
The possibilities of such a machine were sufficient to warrant a

check of its feasibility. The first step was to test the balance prin-
ciple involved in the stand-on-type machine. To review briefly the bal-
ance principle, the lift is treated as a thrust vector, and attention
focused on its direction. If the machine and flyer are in trim, the
flyer controls the thrust vector with his feet so that it passes through *
the combined center of gravity. If out of trim, the flyer puts moments
on the machine with his feet to cause the thrust vector to create righting
moments about the center of gravity as required. The action is qualita-
tively the same as that of balancing when standing on the ground. For
example, if a man standing on the ground is leaning forward, he presses
down with his toes which brings him to an erect attitude. If he is in
flight on a platform and is leaning forward, he presses down with his
toes. This action has a direct tendency to rotate his body to an erect
position. In addition, the platform gives way, producing a rotation of
the lift vector which creates an additional moment about the center of
gravity in the proper direction.

In order to check the balance principle in as simple a ma
possible, flight tests, reported in reference 1, were made of a man
standing on an air-jet-supported platform. Figure 2 is a photograph of
a man standing on an air-jet-supported platform. You can see the air
nozzle on the bottom of the platform between the four small legs to the
platform. Compressed air is supplied through the two fire hoses attached. S
A slack safety line is attached to an overhead cable not visible in the
photograph. Tests like the one shown in figure 2 show that the balance
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principle is valid. A man can balance himself on a thrust vector, and
with little practice in this case.

In order to obtain a practical scheme with better economy the diam-
eter of the jet must be increased. Although the kinetic energy in the
air jet is equivalent to about 400 horsepower, a 7-foot-diameter rotor
would require only about 35 horsepower. A teetering rotor was used in
order to overcome the gyroscopic couples that would otherwise affect
the platform. This rotor was driven by air jets at the tips in order
to avoid any appreciable unbalanced torque.

Figure 3 is a photograph of the test vehicle. At the center of
the vehicle is a small platform on which the flyer stands. Two foot
pads which locate the flyer's feet are visible in the figure. Air
comes to the vehicle through two Jack-hammer hoses. The air goes
through a hollow rotating shaft, out through the teetering pin, through
the hollow hub, and out through a 7/8-inch-diameter tube in the blade
to the rotor tip where it is directed toward the trailing edge to drive
the rotor. The rotor can be seen beneath the pilot's platform. The
machine has four legs and also has some superstructure. The pilot has
a guard ring to keep him from falling in case of accident. The remain-

* der of the superstructure actually served no useful purpose. A small
torque compensation valve, attached to the guard ring, controls the flow
of air through two small tubes which run out alongside two opposite legs
and direct air in a direction opposite to the direction of rotor rota-
tion to counteract the torque due to friction in the rotor bearing. The
weight of the machine is 140 pounds.

The only items of importance on the vehicle which are not visible
in figure 3 are the damping springs. A helicopter having a teetering
rotor below the center of gravity has a negative .damping. This is illus-
trated in figure 4. In the bottom of the figure in the sketch labeled
negative damping component, the circular arrow represents a rate of rota-
tion of the platform. The rate of rotation causes a lag of the rotor
plane. The rotor lag relative to the platform causes the thrust vector
to pass to one side of the center of gravity, creating a moment tending
to increase the rotation rate. This is negative damping. In order to
overcome the negative damping, two springs are fastened between the shaft
and rotor in such a manner that they tend to restrain any relative motion

* between the rotor and platform. Then, when the rotor plane lags behind
the platform, the action of the springs in restraining the platform
amounts to a positive damping component. Flights made without damping
springs resulted in some tendency for oscillations to build up. Flights
made with the springs installed appeared to be satisfactory.

4 Figure 5 shows two flyers making typical indoor test flights. The
air throttle was controlled by an operator located on a nearby balcony.
Safety lines were attached both to a parachute harness worn by the flyer
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and to the guard rail. Slack in these lines was adjusted to the proper
value by controlling an overhead hoist. Numerous flights were made from

* floor level to 6- or 7-feet elevation above the floor with satisfactory •
results. The flyer could hover over a spot or move about at will within
the confines of the safety lines and air hoses. Motions were accomplished
by leaning and tilting the rotor slightly, just as in a conventional
helicopter.

* Tests were made out of doors in both calm and windy conditions. An 0
overhead cable about 20 feet in the air was used as an attachment point
for the safety lines. It was demonstrated that control over the machine
could be maintained in rough gusty air with velocities varying rapidly
from 10 to 25 miles per hour with one extreme reaching 30 miles per hour.

Small changes in elevation above ground level occurred at a given throttle
* setting as a result of the changes in wind velocity. 0

Some physical effort is required to fly the machine in very rough
air. In order to reduce this effort a refinement was introduced in which
the heavy steel frame was isolated from the foot platform by connecting
the frame to the platform with sponge rubber. This produced a machine

• which was physically easier to fly in rough air. A half-hour flight was 0
made with it in rough, gusty air without tiring the flyer. A more com-
plete description of the flights made and of the test results are given
in reference 2.

The scope of this investigation did not include the application of
* a practical power plant. The program was limited to basic research and •

did not include development. However, the moment of inertia of the
present machine is believed to be sufficient to simulate a complete
practical machine.

In conclusion, it has been shown, within the obvious limitations
* of the tests, that the stability and controllability of a spring- S

restrained teetering rotor-supported platform were satisfactory.
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SCHEMATIC OF ROTOR-SUPPORTED PLATFORM
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A STUDY OF NORMAL ACCELERATIONS AND OPERATING CONDITIONS

EXPERIENCED BY HELICOPTERS IN SERVICE USAGE 0

By Marlin E. Hazen and Almer D. Crim

Langley Aeronautical Laboratory

INTRODUCTION

A knowledge of the operating loads and corresponding flight condi-
tions is necessary in establishing a more rational basis for helicopter
design. The maximum loads likely to be encountered due to gusts or •

maneuvers must be determined, and it is desirable to know the percentage
of flight time spent in the various operating conditions as an aid in
more realistically estimating the service life of certain critical heli-
copter components.

With this in mind, the National Advisory Committee for Aeronautics 0
has undertaken a program aimed at determining the normal accelerations
and associated flight conditions encountered by helicopters undergoing
service usage in several different types of operations, both commercial
and military.

RESULTS AND DISCUSSION

Data for this investigation are obtained by means of the NACA heli-
copter VGH recorder. (See fig. 1.) This instrument, which weighs only
15 pounds, records airspeed, normal acceleration, and altitude as a func-
tion of time. The total recording time for each film drum is between 15
and 20 hours.

Shown in figure 2 is a typical helicopter VGH record; vertically are
the altitude, airspeed, and normal acceleration traces, while horizontally
is the time scale in minutes. From records similar to this the percentage
flight time spent in the three major flight conditions (take-off and
climb, en route, and landing approach) can be determined, as well as the
time spent at various speeds. Accelerations resulting from certain
specific maneuvers such as the take-off, transition from climb to level
flight, transition from level flight to descent, the landing flareout,
and landing impact can also readily be determined.

Results of the initial investigation have been reported in refer-
ence 1, where the results were analyzed from about 1,700 flights or

O • O q.. .-. •• •
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253 hours of flying time by a helicopter engaged in airmail operations
in the vicinity of Los Angeles and its suburbs.

The present results are based on the data from the Los Angeles
installation plus more recent data obtained from an airmail helicopter
operating in the vicinity of Chicago, a military pilot-training heli-
copter used by the Army Ground Forces at Fort Sill, Oklahoma, and a
limited number of records from other military operations.

Table I shows the number of flights, flying hours, and average time
per flight for each operation analyzed to date. Also included as a mat-
ter of interest is the type of helicopter used by each operator. Although
there has been no specific survey made to determine whether the type of
helicopter used affects the results, it appears that the primary dif-
ferences in acceleration levels are due to the type of operations for •
which a helicopter is used.

Among the factors affecting the fatigue life of rotor system com-
ponents is the percentage time spent at different airspeeds and in dif-
ferent flight conditions or maneuvers. Table II provides a breakdown
of the percentage time spent in various speed brackets for the three
major operations analyzed to date, that is, the two airmail operations
and the military pilot-training operation. Note how the two airmail
helicopters spend a major portion of their flight time in the vicinity
of about 60 to 85 miles per hour, whereas the speed range of the military
pilot-training helicopter is somewhat lower, being primarily in the vicin-
ity of 40 to 60 miles per hour. Similarly, table III shows the percent- •
age time spent in each of the three major flight conditions (take-off
and climb, en route, and the landing approach) and as before, there is
a notable similarity between the two airmail operations as compared
with the military pilot-training operation.

Figure 3 shows a comparison of the normal accelerations experienced
by the two airmail operations and the military pilot-training operation.
In this figure, as in all subsequent figures, the vertical scale repre-
sents the number of flights required to equal or exceed the given value
of acceleration increment, whereas the horizontal scale is the acceler-
ation increment Aan in g units.

From the similarity of the operating conditions, it was expected
that the acceleration levels experienced by the two airmail helicopters
would be about the same; however, they are different, with the acceler-
ation level of the Chicago helicopter airmail operation being more
severe. A further analysis of the records was therefore made and the
results indicated that the air was considerably rougher at Chicago S
(particularly during the months of November and February) than any encoun-
tered in the Los Angeles area. A further breakdown of the data into the
three flight conditions (take-off and climb, en route, and landing
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approach) shows that the primary difference between the Ios Angeles

and Chicago helicopter airmail operations occurred during the en-route
portion of their flights, where the accelerations appear to be due almost
entirely to rough air, with the Chicago helicopter airmail operation
having the higher acceleration level. Other interesting points brought
out by the analysis of flight conditions were that a large portion of
the military pilot-training flight loads were incurred in the landing-
approach condition, and that for all three operations the landing-
approach condition, which consumed less than 20 percent of the total
flight time, contributed at least as many accelerations (particularly
the larger ones) as any other flight condition.

The largest gust-load increment recorded to date is 0.90g from the
Chicago operation, whereas the largest maneuver-load increments have
been 1.4g and -1.259, both recorded by the military pilot-training instal- 0
lation. No comparably large negative gust-load values have been noted.
However, there are indications that gusts may produce stability and con-
trol difficulties which may in turn result in fairly large maneuver-load
factors.

Figure 4 shows the breakdown of the landing impact accelerations 0
for each of the three operations. The general trend noted for the flight
loads is again evident, with the military pilot-training operation
experiencing by far the largest loads.

Figure 5 shows the summary plot of all landing and flight load
increments (both positive and negative) from all operations analyzed to •
date. The negative landing loads apparently result from the rebound
from initial impact. Note the similarity between the positive and nega-
tive flight loads as compared with the lack of similarity in the landing
impact accelerations.

The high landing impact accelerations may be a problem when preceded
by a loss of rotor lift just prior to landing impact. This may be par-
ticularly true for the tandem-type helicopter with the main landing gear
midway between rotors where the added inertia effects can give rise to
high structural stresses.

Table IV shows the results of an analysis of the cases where the
normal acceleration increment just prior to landing impact was notice-
ably less than 1 g. A careful study of these cases seemed to indicate

that they were probably caused by an early landing flareout from an
autorotational descent, followed by either a reduction in collective

pitch or a loss of rotor rotational speed, and up to a 70-percent loss

of lift just prior to impact. Incidentally, another loss of rotor lift
may originate from a loss of vertical velocity at the bottom of the impact
stroke, when the helicopter's vertical descent goes to zero. Rough cal-
culations were made by assuming constant lift slope and induced flow,

a 0
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and a vertical descent velocity of 10 feet per second. The resulting
answers indicate that up to a 50-percent loss of rotor lift can be
expected as the vertical descent velocity becomes zero.

It is hoped that this problem may be investigated in more detail,
with the characteristics of both single-rotor and tandem-rotor helicopters
being studied.

The scope of the helicopter VGH program is being expanded to include
the correlation of blade bending-moment levels with certain specific
flight conditions and air turbulence levels.

CONCLUSIONS

The following conclusions may be drawn:

1. The military pilot-training operation has produced by far the
most consistently high flight and landing impact accelerations of any
operation sampled to date.

2. Similar types of operations result in similar operating condi-
tions and when other factors such as rough air are eliminated it is found
that similar types of operations apparently produce about the same fre-
quency and magnitude of acceleration.

* 3. The landing approach has produced as high an acceleration level
as any other flight condition encountered in normal operations.

4 REFERECE

1. Crim, Almer D., and Hazen, Marlin E.: Normal Accelerations and
Operating Conditions Encountered by a Helicopter in Air-Mail
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TABLE I •

FLIGHT-TIME COMPARISON FOR ALL OPERATIONS ANALYZED

OPERATION TOTAL NO. TOTAL FLII.r AV. TIME PER HELICOPTER
OF FLIGHTS TIME,HR FUGHT, MIN

MIUTARY PILOT
TRAINING 1,385 161.9 7.0 BELL H-13E

LOS ANGELES, 1,691 253.0 8.0 SIKORSKY S-51
AIRMAIL

CHICAGO, 963 140.5 8.7 BELL 47D
AIRMAIL

ALL-WEATHER 152 25.3 10.0 SIKORSKY H-19
TESTING

NAVY,
NORFOLK 134 37.4 16.9 PIASECKI HUP-I

TOTAL 4,325 618.1

4 0

TABLE II

SPEED COMPARISON 0

PERCENT TOTAL FLIGHT TIME AT Vi
OPERATION 0 TO 20 TO 40 TO 60 TO >BO MPH

20 MPH 40 MPH 60 MPH 80 MPH

CHICAGO, AIRMAIL 2.0 3.0 8.0 63.0 24.0 0
MILITARY PILOT TRAINING 15.9 12.5 45.2 26.4 -

PERCENT TOTAL FLIGHT TIME AT Vi
OPERATION

OTO 20 TO 65 MPH 65 TO >85MPH
20 MPH 85 MPH

LOS ANGELES, AIRMAIL 5.3 18.7 67.6 8.4 0

0

* 00 . 00 0 0 0 0

* 0 0 0 0 0 0 0
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TABLE M

FLIGHT-CONDITION COMPARISON

PERCENT TOTAL FLIGHT TIME IN-
OPERATION TAKE-OFF EN ROUTE LANDING

AND CLIMB APPROACH

CHICAGO, AIRMAIL 14.0 77.0 9.0

LOS ANGELES, AIRMAIL 14.5 73.8 11.7

MILITARY PILOT TRAINING 17.9 62.6 19.5

TABLE M

NEGATIVE ACCELERATION INCREMENTS 0
SURVEY OF 1,000 LANDINGS

NO. OF ACCEL. INCREMENT,
LANDINGS AOn, g UNITS

14 -0.25
12 -. 30
4 -.35
1 -. 65
I -. 70

e • • •• • •0
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NACA HELICOPTER VGH RECORDER

4

Figure 1I

TYPICAL HELICOPTER VGH RECORD
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COMPARISON OF FLIGHT ACCELERATIONS
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SUMMARY PLOT
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NOMAL ACCEEATIOMS DO TO MAIMEKS AND GUSTS

* AS STUDIED IN FLIer 0

By Almer D. Crim and F. B. Oustafson

Langley Aeronautical Laboratory

ITRODUCTION

The maximum loads attainable in flight are, of course, an important
factor to the helicopter designer and to the operator. In addition,

4 there seems to be current problems associated with flight-test demonstra- 0
tion of maximum load factors. Since available evidence indicates that
such loads may be higher for new designs and configurations, it is of
interest to determine the following: the largest load factors that can
be attained by current types, the maneuvers that are most likely to
result in such loads, and any correlation of the results that might per-
mit predictions relating to maxim-m loads for new designs.

With these objectives in mind, a series of flight tests were made in
two small, single-rotor helicopters (ref. 1). In each series, the heli-
copter was put through specific maneuvers wherein the severity of the
maneuver was progressively increased by increasing the magnitude of con-
trol deflection, the rate of deflection, or the time the deflection was
held. The maneuvers included Jump take-offs, collective-pitch pull-ups
at various airspeeds in both powered and autorotative flight, cyclic-
pitch pull-ups at several flight conditions, and combined cyclic and
collective pull-ups in which different phasings of the control were used.

* S

DISCUSSION

The response of the helicopter, as measured by the change in normal
acceleration, is fundamentally different for the cyclic and collective 0
types of control and is illustrated in figure 1. For cyclic-pitch
changes, most of the acceleration develops as a result of angle-of-
attack changes of the helicopter, and appreciable time (2 or 3 seconds)
is needed to reach the maximum value. For collective-pitch increases,
the thrust increases immediately and then begins to drop off because of
a reduction in rotor angular velocity and changes in the induced veloc-
ity and vertical velocity of the helicopter.

0 •
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If load factors are defined as the ratio of normal acceleration
to the acceleration due to gravity, values around 2.5 were found to be
attainable by either cyclic- or collective-pitch maneuvers. It might ue
inferred that these loads, and perhaps even larger ones, could be obtained
more readily by combining the cyclic- and collective-control displaccments
with suitable phasing. This was found to be the case, and the largest
flight loads, as a group, resulted from cyclic pull-ups followed in a few
seconds by increased collective pitch. Figure 2 shows a typical response
to such a maneuver. The pull-up was initiated by rearward deflection of
the cyclic-pitch control and continued by application of the collective-
pitch control at about the point where maximum acceleration due to the
cyclic-pitch control alone would have occurred. The additive effect of
the two accelerations is apparent. When the same maneuver was performed
by simultaneous application of the two controls, it was found that the
increased thrust due to the collective-pitch control dropped off so
rapidly that it contributed little to the maximum acceleration attained.

It is of interest to compare the results of these tests with a rela-
tively simple theoretical method of predicting the maximum loads that can
be obtained, from aerodynamic considerations, for a given flight condi-
tion. The method, which is described in reference i, assumes that the
maximum thrust of the rotor would be obtained if all blade sections were
operating at maximum lift coefficient and that the greatest load factor
attainable would be predicted by the ratio between the maximum section
lift coefficient and the mean lift coefficient for the particular oper-
ating condition. Such a comparison is shown in figure 3. The theoreti-
cally predicted relation between mean lift coefficient at trim and the •
maximum acceleration is shown for one of the test helicopters by the-solid
line and for the other, by the dashed line. Both were small, single-rotor
helicopters, one having a 3-blade flapping rotor, the other, a 2-blade
teetering rotor. Based on other flight and wind-tunnel tests, a maximum
lift coefficient of 1.2 was assumed in computing both curves, and the
largest acceleration values obtained from the flight tests Just described
are shown for comparison. Of particular interest is the indication that,
for designs operating at low mean lift coefficients, there is a possibil-
ity of much higher load factors than those shown herein. Conversely,
designs operating at high mean lift coefficients, such as load-lifter or
cargo types, may not require design values as high as those shown.

Perhaps, it should be emphasized that limitations other than aero-
dynamic may make it difficult or dangerous to reach the maximum values
thus predicted. Feedback of forces into the controls, large amounts of
friction, heavy stick forces, and problem of clearance between rotor
blades and fuselage are among the reasons why it may be undesirable or
impractical to demonstrate the maximum predicted load factors in a 0
particular case.

* 0
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Another source of helicopter loads is atmospheric turbalence, and 4
some limited flight tests have been made for the purpose of studying the
helicopter response to gusts. Since a great deal of information is 0
available on the response of airplanes to gusts, one approach was to fly

an airplane and a helicopter in formation in rough air and to compare botf.
the measured and calculated results. If the response of the two mahlne.s
to a unit gust velocity is calculated by using the simple approach . : -

lecting alleviation factors and by considering the gust to produce only an

angle-of-attack change, the results are as shown in figure 4. The accel- 0
eration increment per unit gust velocity is plotted against forward speed

and for the airplane shows the familiar sloping straight line. In con-
trast, the value for the helicopter is almost constant for the higher
speeds. The lower end of the helicopter curve is shown as a dashed line
to indicate that it is more susceptible to the assumptions used. How-
ever, particularly at speeds common to this particular airplane and heli- 0
copter, a good starting point is provided for predicting the ratio of
helicopter accelerations to airplane accelerations. At 80 miles per hour,
for example, the response of the helicopter is predicted to be about
70 percent of that of the airplane, solely because of the difference in
lift-curve slopes and physical characteristics of the two machines.

Since there has been much speculation as to the gust alleviation
provided by hinged rotor blades, the airplane and helicopter were flown
side by side in rough air and the normal accelerations of each measured.
The results are shown in figure 5. This figure illustrates the gust
experience of the airplane and the helicopter in terms of the average
number of miles flown to equal or exceed a given acceleration. At any S
given distance, the ratio of the two values may be compared with that
predicted from the curves of figure 4. The calculated ratio, at 80 miles
per hour, was about 0.7 and the flight test ratio, about 0.6; these ratios
indicate a slightly greater gust alleviation for the helicopter than for
the airplane, at least at this particular speed.

A study of the helicopter flight records obtained in the side-by-
side comparison also indicated a substantial variation of acceleration
with airspeed. Since the simply calculated curve shown in figure 4 did
not indicate such a variation, particularly at higher speeds, additional
flight tests were made in which the helicopter was flown in gusty air at
different airspeeds over the same ground path. Sume results of these 0
flight tests are shown in figure 6 where the number of acceleration
increments encountered between 0.1g and 0.2g is shown for various air-
speeds. At 15 knots, no values within this range were recorded; at

45 knots, there were 11; and at 75 knots, there were 31. Not enough of
these data are available for them to be statistically useful, but they
do show a definite trend with airspeed, a trend which indicates that •
reducing the airspeed should be an effective method of reducing gust
effects In rough air. Also, although these studies have indicated gusts
to be generally of secondary importance In regard to maximum load factors

, • • •() •• •0
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for present designs, it appears that, vhen gust alleviation factors are 4
required, the effect of airspeed should be considered.

COUCUBIONS

Same of the conclusions that my be drawn fran this study are as
follows: 0

1. New designs capable of operating at low mean lift coefficients
may be subjected to large load factors. Conversely, a possibility of
saving weight presents itself where the design permits high mean lift
coefficients.

2. It may not always be desirable or practical to demonstrate
maximum predicted loads.

3. When gust loads are a design factor, the effect of airspeed may
have to be considered in regard to the alleviation factor used.

REFEUECE
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I
RESPONSE TO CYCLIC- AND COLLECTIVE-PITCH CONTROL
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COMPARISON OF THEOR. AND FLIGHT-TEST VALUES OF
MAX. LOAD FACTOR
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GUST EXPERIENCE OF HELICOPTER AND AIRPLANE IN
FORMATION FLIGHT AT 80 MPH
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PRELIMINARY EXPERIMENTS ON THE EFFECTS OF GUSTS

ON HELICOPTER BLADE BENDING MOMENTS

By Domenic J. Maglieri and Joseph W. Jewel

Langley Aeronautical Laboratory

INTRODUCTION

When the effects of gusts on helicopter loads were studied, the

flight test results discussed in the previous paper by Almer D. Crim and

F. B. Gustafson were supplemented to some extent by tests on the Langley

helicopter test tower and by model tests in the Langley gust tunnel. The
purpose of these exploratory tests was to obtain a more detailed study of

the effects of gusts in producing loads on helicopter blades. In this
paper, some of the results obtained from these two facilities are discus-
sed. A more detailed study of the tests conducted on the Langley heli-

copter test tower is presented in reference 1.

DISCUSSION

A photograph of the full-scale blade used for the outdoor tests on 
0

the Langley helicopter test tower is shown as figure 1. This was an
actual helicopter blade and was used on a conventional three-bladed rotor

with the flapping hinges located at the center of rotation. Strain gages

were located at the 25-, 37-, 50-, 62-, 75-, 85-, and 97-percent spanwise
radius stations in order to measure bending strains in the flapwise direc-
tion. When the tests were conducted, time-history records of bending
strain were taken at zero thrust and at 2,100 pounds of thrust in calm air
and in gusty winds of about 26 miles per hour. The results obtained are

shown in figure 2.

In figure 2 is plotted the total vibratory amplitude of the bending 0
moments against percent of the blade radius for three combinations of
rotor thrust and wind condition. The upper curve of figure 2 shows the
vibratory bending-moment amplitudes for the loaded rotor operating in

gusty winds. The large strain amplitudes shown for this condition are
the combined effects of dissymmetry in the rotor downwash under lifting
conditions at a simulated flight speed of 26 miles per hour plus the

contribution of the gusts. In an attempt to isolate the effects of the

gusts, tests were made at zero thrust and in gusty winds. The resultant

vibratory bending moments are shown by the middle curve of figure 2.
Part of the bending amplitudes shown by this curve may be due to inherent

4 0
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vibrations in the system, and in order to obtain a measure of these vibra-

tions, tests were made at zero thrust in zero winds. The lower curve of

figure 2 for these test conditions shows that there are some vibrations 0

present. The difference in the level of the two lower curves will be

considered to be due to gusts, the lower curve being used as a base line.

The spread shown is only a small part of the amplitude indicated by the
upper curve. On the basis that this gust contribution is independent
of rotor thrust, it has been concluded that gusts contribute at most
about 20 percent of the total vibratory moments experienced at the rated 0
rotor thrust of 2,100 pounds and in gusty winds averaging 26 miles per
hour. Higher wind velocities were not obtainable to determine the effect
of the gusts at greater speeds.

Some of the highlights of the tests from the Langley gust tunnel
which were made on a teetering or seesaw rotor are considered next. A 0

photograph of the model blade is shown as figure 3. The weight and stiff-

ness characteristics of the blade are within the range of values used in

present-day design. Strain-gage stations were located at 8 percent and
66 percent of the blade span as indicated by the cross marks on the blade
in order to measure bending strains in the flapwise direction. Only the
data for the outboard station are considered herein. 0

Figure 4 illustrates the test procedure in the gust tunnel and some
of the results. In the upper part of figure 4, the gust tunnel is repre-
sented by the crosshatched area and is simply an open-throat, low-velocity
wind tunnel. It produces a vertical jet of air which has an approximate
rectangular velocity profile as shown by the arrows. In order to obtain 0
the data, the rotor was mounted on a rotating arm and moved through the
sharp-edge gust at various forward velocities and with a constant rotor

angular velocity. Time-history records of bending strain similar to the

one shown in figure 4 for the given conditions of rotor-shaft axis tilt
M, blade pitch angle e, rotor angular velocity, gust velocity U, and
advance ratio . were taken. 0

From this record of bending strain, the various bending frequencies
present throughout the run can be noted. The gust velocity of 5 feet
per second shown for this run represents a gust of about 15 feet per
second when scaled up to full-scale values.

From a series of records similar to the one shown in figure 4 for
different advance ratios, the maximum amplitude of the vibratory bending
components for the stead,-flight condition outside the gust and for the

transient condition at the time the rotor entered the gust have been
read. The values read are represented by the maximum width of the enve-
lope for the test conditions outside and in the gust. These vibratory

* bending moments are plotted against the ratio of forward velocity to
hovering-induced velocity in the lower part of figure 4.

00
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The curve designated by the circle symbols in figure 4 shows the
variation of the maximum vibratory components with the velocity ratio
for the steady-flight conditions outside the gust. The induced flow in
hovering was small because of the low value of blade pitch angle used
in the tests. Accordingly, the peak value in this plot represents a
relatively low forward velocity. The curve designated by the square
symbols in figure 4 shows the maximum vibratory bending moments which
were experienced during the transient condition at the time the rotor

entered the gust. The difference between the two curves represents the 0
amplification in the maximum vibratory bending moment due to the gust
at various forward velocities. From figure 4, it can be seen that the
spread between the two curves is small for the complete range of velocity
ratio tested. It appea-rs evident, therefore, that the effect of the
gust on the maximum vibratory bending moments is fairly small for the

teetering rotor when compared with the vibratory bending moment excited S
at forward speeds.

CONCLUDING REMARKS

In s.mmary, the preliminary tests on helicopter blades on the Langley
helicopter test tower and in the Langley gust tunnel indicate that, for
the conditions investigated, gusts contribute only about 20 percent to
the amplitudes of the vibratory bending moments ordinarily experienced
in forward flight for the flapping or teetering rotor blades. Although

these 9,mplifications of maximum vibratory bending moment due to gusts S
appear secondary, they may be important from a fatigue standpoint. The
test results are of a limited scope, but further experimental test pro-
grams may shed more light on this subject.

REFERENCE
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HELICOPTER ROT-BLADE FLUTTER RESEARCH

By Maurice A. Sylvester, A. Gerald Rainey, and George W. Brooks
4

Langley Aeronautical Laboratory

I - LOW BLADE ANGLES

As a general rule, helicopter designers are not greatly disturbed by
the phenomenon of flutter primarily because rotor blades are generally
mass balanced throughout their length in consideration of other more
imminent problems such as undesirable control forces. In addition, the 0

* relatively low tip speeds of present-day helicopters are beneficial from
a flutter standpoint. However, these favorable conditions may not exist
indefinitely. For instance, the introduction of irreversible controls
may lead the designer to select blades which are not completely mass
balanced in order to obtain the desired strength with minimum weight.
Or in some cases, the internal structure may make it desirable to achieve 0
mass balance in the form of concentrated weights located at selected
spanwise locations. The use of such design features in conjunction with
higher tip speeds can cause flutter to become a problem. The purpose of
this paper, which is presented in two parts, is to sumnarize and discuss
the results of some studies on rotor-blade flutter. This part of the
paper deals with flutter tests of a dynamic model at low blade angles of *
attack.

A few years ago the NACA constructed a dynamic model of a large
unconventional helicopter primarily to investigate the effects of the
unusual features on various dynamic problems (ref. 1). The tests shoved
that the model was only marginally safe from the standpoint of flutter; •

4 therefore, these studies were extended somevhat to investigate the flutter
characteristics of the model blades in both the hovering and forward
flight conditions.

The dynamic model rotor blades and some of their unconventional
design features are illustrated by the schematic..drawing of the blade in
figure 1. The two rotor blades are powered by a pressure-Jet system with
four exhaust Jets at each blade tip. The blade centrifugal forces are
transferred to the pylon by means of the two blade retention straps, and
two external counterweights are supplied to adjust the blade static moment
about the quarter chord. During some of the flutter tests !a c~tmer:t wIs
mounted on the rotor hub and rotated with the blades to obtain motion

1 pictures of the flutter on the model blades. These motion pictures gave
a visual record of the character and violence of the classical-type rotor-
blade flutter. Although all the unconventional design features of the
model would probably affect its classical flutter characteristics to some

44
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extent, the chief interest in this p-irticular model, insofar as flutter
was concerned, was in the effect of mass b:ilancing the blades with exter-

4 nal counterweights and in the variations in the torsional frequency 0
resulting from changes in control stiffness.

The effect of the counterweights on the blade mLss distribution is
indicated in figure 2. The upper part of this figure shows the chordwise
center-of-gravity location of the blades without the counterweights, in

4 percent chord, as a function of blade span. The figure indicates that S
the chordwise center-of-gravity position is somewhat rea rward of the blade
quarter-chord line for all the outboard blade sections. The manner in
which the counterweights achieved static mass balance is best shown with
the aid of the bottom part of figure 2, where the dead-weight torque about
the quarter chord is shown as a function of the blade span for the blades

4 with and without the counterweights. Starting at the blade tip and moving •
inboard along the solid line, it is noted that, due to the rearward posi-
tion of the chordwise center of gravity of the blades without counter-
weights, the dead-weight torque about the quarter chord builds up and
results in a considerable amount of static unbalance at the blade root.
Now consider the dashed line, which represents the dead-weight torque of

* the blades with the counterweights. Starting at the tip again, the 0
torque Increases until the outboard counterweight position is reached.
At this position the added moment of the counterweight reduces the torque
about the quLrter chord to approximately zero. The torque again builds
up and is then reduced to zero at the blade root by the combined effects
of the inboard counterweight and pitch-control arm. This result indicates

4 that the blade as a unit is statically mass balanced a.bout the quarter 4
chord even though each blade section is not.

The question now arises as to the effectiveness of this manner of
achieving mass baLance in eliminating the flutter on the model blades.
To answer this question, the model blades were flutter tested in the

* hovering condition with various counterweight configurations. The results
of these tests are shown in figure 5 where five counterweight configura-
tions are listed along with the relative flutter speed for each. Using
the blade with no counterweights as reference, the figure shows that
addition of the two counterweights resulted in an increase of only 5 per-
cent ir the flutter speed. Adding either counterweight alone was like-

* wise ineffective in increasing the flutter speed to any extent. These 0
data show that mass balancing the blades, with concentrated weights ahead
of the quarter chord at the spanwise positions indicated, was ineffective
in eliminating flutter. However, a small mass (approximately 2.5 percent
of blade mass) placed to the rear of the quarter chord near the tip
lowered the flutter speed appreciably.

While conducting the flutter tests, it was noted that, in some cases,
the blades tended to diverge or go out of track before flutter was
encountered; that is, at a certain rotor speed the tip-path planes of the

" !• .• _ •, .-._q._ . ..



two individual blades ceased to be coincident and one blade tracked above
its normal plane of rotation and the other below. The amount of out of

* track then increased rapidly with increased rotor speeds. As a matter 0
of interest, it was observed that the counterweights were actually more
effective in reducing this tendency of the blades to diverge than they
were in eliminating flutter.

The first torsional frequency of rotor-blade systems muy vary con-
siderably because of different degrees of control restraint. It there- 0
fore seemed desirable to make a series of tests to determine the effect
of control stiffness on the flutter speed of the model blades. The
results of these tests are presented in figure 4. The rotor speed in
revolutions per minute is plotted against the torsional frequency in
cycles per minute. The manner in which the torsional frequency was varied
is best described by referring to the sketch of the model rotor system 0
shown in figure 4. The torsional frequency of the model rotor system
depends on the structural characteristics of the blades, the effective
control stiffness represented by the spring connection between the pitch-
control arm and the pylon, and the restoring moment due to centrifugal
forces acting on the blade retention straps. Variations in the torsional

* frequency were obtained by varying the control stiffness only. The flut- 0
ter boundary indlcates that flutter was encountered over a wide range of
torsiomal frequencies at rotor speeds above the model normal operating
speed. As the torsional frequency was decreased, the flutter speed was
reduced 'Lppreciably. This result indicates that a reduction in the effec-
tive control stiffness can have a detrimental effect on the flutter speed.

* It should be noted that the centrifug l forces acting on the straps has 0
the effect of increasing the torsional frequency of the model rotor system
aippreciably. Nevertheless, the results in figure 4 would probably be
applicable to a more conventional type of blade without straps and a
higher initial control stiffness since the flutter boundary does not
depend on the path by which it is reached.

In discussing helicopter rotor-blade flutter, the question often
arises as to the effect of forward flight on the classical flutter char-
acteristics of rotor blades, since there are changes in the blade angle
of ittack and blade velocity as the blades rotate during forward flight.
To evaluate the effects of forward speed on flutter, the model was flutter

* tested in the return passage of the Langley full-scale tunnel where for- •
ward speeds could be simulated. The results of these tests are shown in
figure 5. The rotor speed in revucutions per minute is plotted as a
function of the tip-speed ratio p, which is the ratio of the forward
speed to the rotational tip speed. The boundary indicates the rotor
speed at which flutter was encountered. For the model blade configura-

* tion shown in the figure there is some decrease in the rotor speed at 0
flutter as the model moves from hovering to forward flight. It was also
noted that the flutter frequency changed somewhat and the flutter oscil-
lations became very erratic in the region of simulated forward flight.
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It appears that, for this model, forward speeds altered the flutter char- 4
acteristics somewhat but had no appreciably adverse effects.

0
The magnitude of stresses involved in helicopter vibrations is of

considerable interest. Therefore the magnitudes of the strains obtained
during flutter and during normal-rotor-speed operations for both the
hovering and forward flight conditions are indicated in figure 6. These
data were obtained on the blade configuration shown in figure 5. The
ordinate of figure 6 is trace deflection which is proportional to blade 0
strain, and the abscissa is again the tip-speed ratio &. The left
figure represents torsion strains and the right figure the strains due
to bending. The lower solid curves represent the strains due to vibra-
tions at normal operating speed while the upper dashed curves represent
the strains due to flutter. The figure shows that both the torsion and
bending strains due to flutter are much greater than the corresponding 0
strains due to vibrations at normal operating speeds. This result is
true for the model blades throughout the range of tip-speed ratios
studied, although the difference between the flutter and normal operating
strains is less at the higher tip-speed ratios. Some of the sharp decrease
in the flutter strains is probably due to the lower flutter speed at the
higher tip-speed ratio. which was indicated for this blade configuration 0
in figure 5. On the basis of these limited data it should not be assumed
that this decrease in the flutter strains would necessarily continue to
higher values of the tip-speed ratio. Flutter strains comparable to those
in the figure would probably be destructive to the full-scale helicopter.
However, repeated flutter tests on the model resulted in only occasional
localized failures. The fact that the model was not destroyed may be 0
attributed, at least in part, to the method of construction which simu-
lated full-scale strains but resulted in lower stresses and good fatigue
properties. The high level of strains encountered during flutter and
the localized failures on the model serve to reemphasize the violence
of the flutter oscillations.

In addition to the experimental results discussed so far, some lim-
ited analytical studies have been made to determine the applicability of
an unpublished, simplified flutter analysis. The analysis essentially
consists of an extension of wing bending-torsion flutter theory to
include the effect of spanwise variations in airspeed and the effect of
centrifugal forces on the blade uncoupled natural frequencies. The 0
agreement between theory and experiment was fair to good with the theory
usually indicating a somewhat higher flutter speed than was obtained
experimentally.

o0
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Previoub -xperience with prop-ller bLhdeL -..nd wing model: h:,-: indi-
cated that the .ngle or attack cai f:v import:at effCct on flutter char-
Ecteristics (:iee ref.. 2 -.nA 5, for exapiu). For this reason then, it
was considered desirable to conduct :n invebtigution of these ingle-of-
attack effects on the flutter cha:Lracteristics of some typicizl helicopter
rotor-bl'de configurations. This study was completed recently tind has S
been reported by R rooks zrnd Baker (ref. 4). This piper consists, for
the most part, of results of that study.

However, before some of the det.ills of these results are prebetLrd,
perhaps a brief discussion of - typic:l variation of flutter velocity
with blade pitch angle is in order. Such % typical curve is shown In
figure 7. The flutter velocity is shown as i function of the measured
geometric blade pitch angle ,it the 0.8-bl:ade-radius station. This pair-
ticula angle has been chosen -s the par-tmeter of presentation becuuse
it is a measured quantity closely related to the aLctu.l ingle of attack.

As shown in figure 7, the flutter velocity is rel-itively insensitive •
to blade angle until the point is re-,ched where separation becomes impor-
tant. At the higher blade angles the flutter velocity decre-ises raipidly
to values much lower than those ait low blade 7Lngles. The decrese in
velocity is accomp-Lnied by channes in the mode of flutter in that at high
ngles the type of flutter whicn is normally encountered is :iimost a pure
single-degree-of-freedom flutter occurring in the torsion mode whereas, 0
at the low blade angles, the type of flutter which occurs is usually a
coupled bending-torsion type. Since the hlgh-blade-angle flutter is
associated with sep-r-ated flow conditions, it has come to be known as
"stall" flutter, whereas the coupled flutter occurring ait low blade

angles is called "classical" flutter.

Of course, there are many p-ar-.meters which can affect the flutter
characteristics at both low and high blade angles. One of these is the
chordwise location of the center of gravity. Some of these effects are
illustr-uted in figure 8 where the flutter velocity is shown ais a function
of center-of-gravity location for a series of blades having continuous

section center-of-gravity locations varying over the range Indicated. 0
The upper curve labeled low blade angles applies to the classical-flutter
region as discussed in connection with figure 7 wherea-s thc lower curve
labeled high blade angles applies to the region of the minimum of the
curve shown in figure 7.

The low-blade-angle or classical-flutter velocity is very sensitive
to changes in the center-of-grsivity location, particularly -s the qu-arter-
chord point Is approached; whereas the stall-flutter velocity is rela-
tively insensitive to changes in this parameter.
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Investigution of %nother p rimeter, the structur:%l d:..ia in tht-
torsion mode, indic&tev -in opposite effect in th',t the flt't-r vt I city
at high bluLde angles was i function of this p-ra.eter, L'ut tte 1 v-t 1 de- 0
anwle flutter velocity wus rela&tively inrensitive. %(Me of the rv--l'
of this paLrt of the study -,re indic'ted in figure 9 where, '.g:.in, tf
flutter velocity is shown Lis :i function of the me,,sured pitch nigle : t
the 0.8-bl-de-radius stttion for three v.lues of the torsilna.l ctrictur-1
damping coefficient. *,t the lower bl:zde angles ne:Lr the tr:-.usItiun region
there is no consistent variation of flutter velocity for the three v-Lljes 0
of d4mping shown; however, -zt high blade .'nglet the flutter velocity
increnises significantly with increased d..nping. Perhaps It anould be
mentioned th.t the L,-,rbest v-Alue of damping shown (g . ).067) is probably
somewh-t hihh with respect to present practical rotor-blude construction
and the lowest vlue of s; - O.Ola is probAbly more typical of present
construction lthough it seems th.t information on this subject is r-ther 0
limited.

A1nother question o some importance Is the possible effects of the
manner of entry into % flutter region. '3ince in forwi:rd flight the heli-
copter rotor blade operates ,tlong :i periodically varying veloclty-ld ,.-
angle curve, it becomes necessary to study the effect of this periodic 0
entry of the flutter region when the velocity--blie-,angle operasting curve
penetrates the flutter boundary. In the first part of this paper soxwm.
results were presented concerning the effects of forward flight on the
flutter velocity for lifting conditions in the region of cl-,ssicrl flut-
ter. The periodic-entry problem hars not been studied in the ut ll-flutter
region; however, some inforr-.tion his been obtained from tests -f a, thin
cantilever wing model mounted on ri mechanism c!-pble cf oscillalting thc
wing in pitch 'ut vrious frequencies. of course, this type of operation
does not completely snImul -te forw-rd flight since there is no periodic
velocity vaLri.ition; however, it is felt that the Inf'-rmtion rbt, ined
=my be of some general interest. The rp.lts of t'i, investlig.tion :re
illustrated in figure 10 where the flutter veloCity is shcwn as . function
of pitch angle. The solid curve shown in figure 10 representr the flutter
boundary obt.iined with the wing cl-Lmped -s a crintilever, that is, not
oscillating. The dnta'k points indicate the velocity and average pitch
angles at which flutter occurred when the wing w.as pitching sinj-,id.lly
over the range indicated by the arrows shown in the figuro rind it fro-
quencies indicated in the key. The flutter velocities f-r the oscillaiting 0
cases are almost the same as tc:nse obtained when the wing was not oscil-
lating. In other words, the flutter chracteristics seemed to depend more
on the average conditions rather than the momentary entry into the "non-
oscillating" flutter region. This result igrees in trend, at least, with
the results presented in the first poirt of the p-tper pertaiining to flutter
at low blade angles. 0

Another question of considerable interest is the problem of compress-
ibility effects. Some results of this part of the investigation are

0
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shown in figure 11 where the flutter velocity is shovn its a function of
the tip Ma.zch number for taree Lude ungles in the stull-flutter region.
It c n be seen in figure 11 thtt -&a the higher Mitch numbers are approached 0
the flutter velocity Incre.ses rupidly. .Pres=tbly this incre:se is due
to the l.rge chan.es in flow chir:tcteristlcs which must occur at these
Mach number und, 4pprently, these flow coumges alter the oscillatory
aerodyraLmic JerivatIve: in L st:tbtllzlng manner.

Witt regard to the questLn or predicting helicopter rotor-blade
flutter characteristics it can be sazid t-:t 'he aviltable theory bused
on potential flow seems to be -dequate for treuting the classical flutter
of rotor blades. For the stull-flutter ptart of the picture, however,
none of the presently avilable theories sees to be completely adequate.
For the time being at least, empirical mthods msst be used. Baker and
Brooks (ref. 4) discuss a set of tentative criteria based on information 0
sililar to that shown in figure 11 which should provide the desimner with
&me estlmate of the probability of a particular configuration ecoum-
tering stall-flutter difficulties.
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EFFECT OF COUNTERWEIGHTS ON FLUTTER SPEED
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EFFECT OF FORWARD SPEED ON ROTOR SPEED AT FLUTTER
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TYPICAL VARIATION OF FLUTTER VELOCITY WITH BLADE ANGLE
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EFFECT OF STRUCTURAL DAMPING ON FLUTTER BOUNDARY
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EFFECT OF MACH NUMBER
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A DYNA1IC-MODEL STUDY OF THE EF7ECT OF CONCENTRATED WEIGHS

ON THE VIBRATORY &TRESSES IN HELICOPTE BLADES

By John Locke McCarty

Langley Aeronautical Laboratory

SINTROUCT ION

In the normal operation of helicopters, the helicopter structiure is
subjected to periodic loads having a wide frequency range. In some cases
the response of the structure is such that the frequencies of some of the 0
applied periodic loads may be near resonance with the natural frequencies
of different structural modes. This paper presents the results of some
experimental studies made on a dynamic model of a helicopter under
hovering and forward flight conditions to evaluate the periodic blade
stresses encountered when the natural bending frequency of the blades is
near resonance with the frequency of the applied third harmonic aerody- 0
namic loading.

DISCUSSION

4 The model of the helicopter in its entirety is shown in figure 1.
It is a two-blade model deriving its power from compressed air which
circulates through the flexible hose, up through the pylon, out through
the blades, and making its exit through four jet nozzles located at each
blade tip. Early tests (ref. 1), made on this dynamic model in the
hovering attitude, showed large amplitude periodic blade bending stresses
having a frequency of 3 cycles per rotor revolution both at and above the
normal operating rotor speed. The prototype of this dynamic model
encountered similar periodic stresses while hovering, but when tested
under forward flight conditions the stresses were so greatly aggravated
that the estimated fatigue life of the blades was reduced to a matter of
minutes. 0

At attempt to rationalize the problem in terms of applied loads and
blade response involves the consideration of three possible conditions.
The first is the existence of large periodic aerodynamic blade loadings
and components of these loadings which have frequencies equal to the
lower-order harmonics of the rotor speed. Helicopter flight tests have

4 shown that these loadings are present and that they are magnified as the
helicopter enters the region of transition from hovering to forward
flight. A second condition is the amplification of the blade response

.
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due to resonance between the frequencies of the aerodynamic inputs and
the frequencies of the blade. The third condition for consideration is
the possibility of energy absorption by the structure due to the coupling 0

of blade bending and torsion deformations. In an attempt to explain
these conditions, figure 2 shows the possibility of blade resonance as
well as coupling at the normal operating rotor speed of this helicopter.

This figure shows the frequencies of the first uncoupled elastic
bending and torsion modes together with the various harmonics of the 0

rotor frequency as a function of the rotor speed. The significance of
the forcing harmonic lines is shown by the following example. At a rotor
speed of 200 revolutions per minute, a 2-per-revolution loading, that is,
the loading which occurs twice per revolution of the rotor, has a fre-
quency of 400 cycles per minute.

During the preliminary study of the problem, visual inspection of
the hovering records showed that large periodic stresses occurred during
certain regions of the rotor speed. An analysis showed that these
stresses had predominant frequencies equal to the respective harmonics,
indicated in the figure by the heavied portions of the harmonic lines.
For example, between 210 and the maximum test rotor speed of 360 revolu- 0
tions per minute, periodic stresses having a frequency of 5 cycles per
rotor revolution were measured on the blade. Similarly, 4 cycles of
blade vibration per revolution existed between 150 and 198 revolutions
per minute.

First consider the problem of stress amplification from the stand- •

point of resonance. The intersection of the natural frequency curve with
a harmonic line would indicate a resonant point. From a consideration
of this figure, a resonant condition between the natural bending fre-
quency and the forcing harmonics could be expected to occur in the region
of 110, 155, and 550 revolutions per minute. Resonance between the natu-
ral torsion frequency and the forcing harmonics at rotor speeds of approxi- 0

mately 210 and 270 revolutions per minute could be expected. At the nor-
mal operating rotor speed of 285 revolutions per minute, given in figure 2
by the vertical dashed line, two near-resonance conditions exist: one
between the natural-bending-frequency curve and the third harmonic line
and the other between the natural-torsional-frequency curve and the fourti'
harmonic line. Since the predominant periodic stresses measured on the 0
blade during the preliminary tests were primarily of a bending nature,
it lid not appear that the condition of resonance between the 4 -per-
revolution line and the torsion curve was very significant.

In minimizing the effects of resonance amplification of the blade
stresses, it is desirable, of course, to eliminate completely any reso- 0

nant conditions in the vicinity of the normal operating range of the
helicopter. Since this may not be feasible, it is then desirable to
reduce the resonance amplification by separating the input and response
frequencies to obtain acceptable strea *Is.
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Since the third forcing harmonic line is fixed, and since the normal
operating speed is determined from the standpoint of performance, the
permissible course of action is to change the curve of the natural bending •
frequency of the blade. One way to achieve this is to attach concentrated
weights to the blade at different spanwise locations, and figure 3 will
show the results obtained.

This figure shows the effect on the model blade bending frequency
of a 1/2-pound weight, which represents about 10 percent of the blade 0
weight, located at two blade spanwise stations. It can be seen from the
plot that at the normal operating speed a weight added at the antinode
of the blade would put the operating condition of the blades closer to a
resonant condition and higher blade stresses might be expected. In the
same sense the addition of weight at the nodal point would put the oper-
ating condition farther away from resonance with the third harmonic, and 0
yet well clear of the fourth, and would suggest a reduction in the peri-
odic blade stresses.

The rotor system of the dynamic model was then tested under hovering
and forward flight conditions in the return passage of the Langley full-
scale tunnel to evaluate the predicted effects of added weights on the 0
periodic blade stresses. The results from these three configurations
were harmonically analyzed at a particular ratio of forward speed to
rotational tip speed of 0.08. This analysis, shown in figure 4, was
made to study the individual contribution of each of the first five har-
monics to the total periodic stress. The third harmonic is prevalent in
the normal configuration and its contribution to the total stress is •
greatly increased with the addition of 10 percent blade weight on the
quarter chord at the antinode of the blade. This further substantiates
the fact that this configuration puts the operating condition of the blade
closer to resonance with the third harmonic line. On the other hand, when
the weight is on the quarter chord at the nodal point, the blade is oper-
ating away from resonance to the extent that the third harmonic is no 0
longer the prevalent forcing function.

Whereas the harmonic analysis indicated the results for one value
of rotor tip-speed ratio p, figure 5 shows a sample of the results of
the tests under forward flight conditions for the range of tip-speed
ratios. This figure presents the measured maximum periodic blade strains 0
as a function of this ratio. The data show that the trends of the model
periodic blade strainsp and consequently the blade stresses, correspond
to the results of the prototype flight tests in that the blade stresses
are greatly magnified during the transition region. The results of the
tests are also in agreement with the previous discussion in that a weight
placed at the antinode position resulted in a large increase in blade 0
stresses as compared with the no-weight condition. When the weight was
located at the node, the stresses were reduced for all values of the
advance ratio. This figure also shows that the stresses are further
reduced by moving the weight at the nodal point from the quarter chord •0
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to the leading edge of the blade, which introduces a consideration of the
effect of coupling of blade bending and torsion motion. At the normal

* operating rotor speed, the blade bending frequency is near that o. the
first torsion frequency. (See fig. 2.) For certain blade-weight con-
figurations, this may lead to coupling of the blade bending and torsion
modes. in order to evaluate the extent of coupling, a systematic study
of the blade strains was made for variations in the chordwise location
of the added weight at two spanwise stations. The results of this study

* are given in figure b. To eliminate the possibility of flutter with the
added weight at the trailing edge of the blade, a 1/4-pound weight,
representing about 5 percent of the blade weight, was used in these tests
instead of the previous 1/2-pound weight. The strains recorded are the
average of the maximum periodic strains measured on the blade during the
transition region. With the concentrated weight at the antinode position, 0

* the strains, and, again, consequently the stresses, remain greater than
the clean blade with no additional weights regardless of the chordwise
location of the concentrated weight. However, there is a decrease in the
strains as the weight is shifted toward the trailing edge of the blade.
When the concentrated weight is located at the nodal point of the blade
during its first elastic bending mode, the strains are appreciably 0

* increased as the weight is moved from the leading edge toward the
trailing edge of the blade. As the added weight is moved rearward along
the chord, it can be seen that there is a chordwise station where the addi-
tional weight no longer becomes beneficial in reducing the periodic strains.

These test data were obtained at the 46.2-percent-span station. 0
* Stresses were also measured at different spanwise stations on these and

other configurations for different rotor speeds and different rotor and
pylon attitudes. In general, the trends of the data are similar to those
shown.

* CONCLUING RMARKS 0

These data show that the operation of helicopters near conditions
of resonance will result in increased blade vibrations which are accom-
panied by increases in blade stresses. It appears feasible that in some

* cases the vibrations and stresses may be reduced by the addition of
weights to the blades. The results of this experimntal investigation
indicate that tiis can be done by moving the resonant condition of the
helicopter farther away from the operating condition and by taking
advantage of beneficial coupling effects.
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COUPLED BENDING AND TORSIONAL DEFORM4ATIONS OF ROTATING

BEAMS UNDER ARBITRARY LOADING

By George W. Brooks and John C. Houbolt

Langley Aeronautical Laboratory

More exact methods of analysis are required for treatment of many
of the helicopter dynamic problems such as blade vibrations, divergence,
and flutter. In the treatment of these problems, the spanwise and chord-
wise distributions of the various structural properties such as mass,
mass moment of inertia, stiffness, and twist as well as the internal
stress distribution of the blade are significant. The various theories 0
available either neglect some of the items or treat them only approxi-
mately. A general theory for handling rotor-blade problems which prop-
erly treats these various items was developed, therefore, and the purpose
of this paper is to present this theory.

A sumary of the available theory is afforded by figure 1. The cases
given in the figure are separated into two categories, one in which there
are no centrifugal forces and one which includes centrifugal forces at
least to some extent.

The cases treated without centrifugal forces include bending of an
untwisted beam, torsion of an untwisted beam, and coupled bending in two •
directions and torsion of a twisted beam. The first two cases assume
that the elastic axis and center-of-gravity axis are coincident, whereas
in the third case coupling is achieved by chordwise separation of these
axes.

The cases which have been treated with the inclusion of centrifugal
forces are the bending of an untwisted beam, the bending in two directions
of a twisted beam, and the torsion of a twisted beam.

The scope of the present theory is shown in figure 2. The theory
treats the coupled bending torsion of a twisted rotating beam where the
elastic axis, center-of-gravity axis, and tension axis are not necessarily •
coincident. The tension axis of the beam is defined as the spanwise locus
of the point in the cross section where the resultant centrifugal force
acts. The generality of the method is such that each of the cases treated
previously is a special case of the present method. In its general form
the method includes all parameters which are believed to influence the
static or dynamic behavior of the structure and is subject only to the
limitation that the deformations be sufficiently small that products of
the deformations are negligible - an assumption which is accepted in the
development of most classical beam theories.

" " " *" " "0
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Figure 3 shows the system of coordinate axes used in the derivation
of the equations of equilibrium. The position of the undeformed blade,
indicated on the figure by the dashed lines, is defined by the X,Y,Z axes.
With reference to this system of coordinates, the blade elastic axis is
then deformed, first by an amount u in the plane of the chord and then
by an amount w normal to the plane of the chord; and last, the sections
are rotated through an angle 0 about the deformed elastic axis.

With respect to the deformed position of the elastic axis, two addi-
tional sets of coordinates are employed in the development of the theory:
namely, the x,y,z coordinates and the Fyi coordinates. The x,y,z coor-
dinates remain parallel to the X,Y,Z coordinates and, as will be shown
presently, are natural and convenient for the derivation of the external
or applied moments. The E, ,E coordinates remain parallel and normal to
the cross section during the deformation of the blade and are natural
and convenient for the derivation of the elastic resisting moments.

The nature of the external applied forces is shown in figure 4. The
coordinate axes which were shown in figure 3 are repeated. The elevation
shows the blade in the flapping plane and indicates the nature of the
forces acting on a blade element which produce moments about the x-axis
which is normal to the flapping plane. The plan view (underside view)
shows the blade in the plane of the chord as well as the forces acting
on the element which produce moments about the z-axis. In this case, the
centrifugal force is resolved into two components, one in the spanwise
direction and one in the chordwise direction. The forces shown also
include the transverse inertia forces and the aerodynamic lift and drag *
forces.

In addition to producing bending moments about the x- and z-axes,
the applied forces shown also produce torsion moments about the elastic
axis.

An analysis of the directions of the applied forces with respect to
the x,y,z coordinates indicates that this system of coordinates is con-
venient for the evaluation of the applied moments due to these forces.
And since the x,y,z coordinates define the physical cross section of the
blade normal to the elastic axis, as shown in the plan view, this set of
coordinates is appropriate for the derivation and discussion of the
internal or elastic resisting moments.

Reference has been made to the moments about the various axes
because, in the present method, the derivation of these moments consti-
tute the first step in the derivation of the differential equations of
equilibrium which are desired. The nature of these moments and the pro-
cedure followed in the determination of the equations of equilibrium are
indicated as follows:

• .. .• • _ • q 0
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Applied moments Mx, My, and Mz involve:

Centrifugal forcesTrasverse inertia forces Fucinof , adu

of bending and torsion
Applied loads (aerodynamic)

Elastic resisting moments Mr, M , and Mi involve:

Elastic bending forces 1
Elastic torsion forces Functions of i", a',nTensile stress distribution ndu

over the cross section

S  [Transformation f ransformation

IMz MiUl

The applied moments Mx, My, and Mz all involve centrifugal forces,
transverse inertia forces of bending and torsion, and applied aerodynamic *
loads, all of which are functions of the blade deflections w, 0, and u.

The elastic resisting moments involve the cross-sectional stress
distribution which results from bending, torsion, and tension. These
bending and torsional stresses can be expressed conveniently in terms
of wi, 01, and u" where w, 0, and u are the deformations rela-
tive to the x-, y-, and z-axes and a prime denotes a derivative with
respect to blade span.

These two sets of moments must be related and the relationship is
given by the moment transformation shown, which is a function of initial
blade twist and certain angles associated with the blade deflections.
However, when the moments are equated in thiA fashion, a function of w,
0, and u is obtained on the left and w, 0, and u on the right. The
next step is the elimination of the unknown 9, 0, and 7, and this is
achieved by use of the curvature transformation on the right, which, by
the way, is identical to the moment transformation.

By following the procedure indicated, the differential equations of
equilibrium result. The form of these equations as well as the nature
of the terms involved is indicated as follows:

0 0 0

0 •. _j_
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In order to reduce the complexity of the expressions for purpose of dis-
cussion, however, the case of a harmonically oscillating untwisted blade
at zero pitch angle has been chosen.

The three simultaneous equations are, in the order in which they
* appear, the equation for bending in the flapping plane, the equation for 0

torsion about the elastic axis, and the equation for bending in the plane
of the chord. The terms which appear outside the dashed lines are those
which have appeared in one form or another in previous work. The terms
which appear inside the dashed lines are new to all previous treatments
of the problem and appear to be due to the inclusion of coupling by
centrifugal force.

* 0
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In order to point out the nature of some of these terms, the elements
of the first equation will be considered. Each of these terms is in the
form of a loading per unit length of the blade, that is, the loading on a S
blade element at some spanwise station. The first term is the conventional
resisting or stiffness loading. The second term is the loading due to
centrifugal forces where T is the centrifugal force. The third and
fourth terms are the well-known inertia loading terms due to bending and
coupling with torsion, where e is the chordwise distance between the
center of gravity of the cross section and the elastic axis. The fifth
term is the applied lift or aerodynamic loading. The first term inside
the dashed lines is a coupling term which arises from the centrifugal
force T and is again due to the fact that the center-of-gravity axis is
not coincident with the elastic axis. The last term is also a coupling
term which is a function of the chordwise distribution of the internal
stresses and arises when the center of tension or effective center of S
centrifugal force is displaced chordwise from the elastic axis by an
amount eA.

The theory has been applied to calculate effects of coupling on blade
frequencies and to evaluate the qualitative effect of concentrated weights
on blade bending moments in response to an arbitrary forcing function. •

Figure 5 shows a comparison of the uncoupled and coupled frequencies
for the flapping and first bending mode, and the first two torsion modes
of a helicopter blade with a concentrated mass of approximately 10 per-
cent of the blade mass located near the node of the first mode at the
leading edge of the blade. The ordinate is the natural frequency and the 0
abscissa is the rotor speed. The rotor speed at which this blade might
normally be operated for aerodynamic reasons is also shown in figure 5.
The uncoupled frequencies are shown by means of dashed lines in contrast
to the coupled frequencies which are shown by the solid line.

* As might be expected, the effect of bending-torsion coupling on the •
natural frequencies is more pronounced in the region where the natural
frequencies for the uncoupled modes become identical. This effect is
shown in figure 5 in the region of intersection of the uncoupled frequency
curves for first bending and first torsion.

* The ratio of the first torsional frequency to the first bending fre- 0
quency at zero rotor speed is perhaps less for the case shown than for
the general case; however, the calculations show that the natural fre-
quencies of the coupled modes may be appreciably different from those of
the uncoupled modes. This difference in natural frequencies may be of
considerable importance in the determination of rotor speeds where reso-
nance conditions exist between certain harmonic-forcing functions and •
blade natural frequencies. Even for conditions where the differences in
coupled and uncoupled natural frequencies are small, there still may be
a large effect of coupling on blade loading because of changes in the
amplitudes and phase angles of the aerodynamic forces.

* S

0 0 0 0 0 0 0 0 0

4 0 0 0___ -0 0 0



316

The experimental investigation discussed by John Locke McCarty in a
previous paper showed considerable effect of concentrated weights attached
to the blade at selected location on the blade bending moments, the major
components of which had a frequency of 3 cycles per rotor revolution. It
was of interest to see, qualitatively, whether the measured trends could
be predicted by the method presented. Consequently, the blade flapwise
bending moment at the blade midspan was calculated as a function of rotor
speed in response to an assumed blade-tip forcing function having a fre-
quency of 3 cycles per rotor revolution and an amplitude proportional to
the square of the rotor speed. Both aerodynamic and structural damping
were included in the analysis.

Figure 6 shows a comparison of the measured and calculated bending
moments for the basic blade and three concentrated-weight configurations.
The concentrated-weight configurations consisted of a weight at the
quarter chord at the antinode point, a weight at the quarter chord at the
node point, and a weight at the leading edge at the node point. In each
case, the added weight represented approximately 10 percent of the blade
weight. The exrerimental results are shown by the solid bars and the
calculated results are shown by the crosshatched bars. •

Since the purpose of the calculations was to determine the applica-
bility of the method to the prediction of experimental trends, the ampli-
tude of the forcing function was chosen so that the magnitude of the
experimental and calculated bending moments were in agreement for the
basic blade configuration shown by the heavy black line under the bare-

4 blade configuration in figure 6.

The results show that, despite expected differences in magnitudes
(which are probably due to the very approximate nature of the loading
assumed in the calculations), the trend predicted by the calculations
concerning the effect of changes in counterweight configurations on

4 blade bending moments is verified by the experimental results.

In consideration of the configurations listed in figure 6, the dif-
ferences between the bending moments for the first three configurations
are attributed to different proximities of the applied exciting forcing
frequency and the natural resonant frequency of the first elastic bending •

4 mode - the first configuration being the nearest to resonance and the
third configuration being farthest from resonance. The additional reduc-
tion in bending moments, when the weight, located at the node point, is
moved to the leading edge, is attributed to beneficial bending, torsion,
coupling effect of inertia, and centrifugal-force loadings.

4 In summary, a general theory has been developed for the coupled 0

bending and torsional deformations of rotating beams under arbitrary
loading in which structural properties of the blades such as mass, mass

4 0
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moment of inertia, stiffness, and twist as well as the internal stress
distribution of the blade are included. New and significant coupling
terms between bending and torsion which arise as a result of centrifugal
forces have been found. The method has been applied to determine the
effect of coupling on natural frequencies and the effect of concentrated
weights on blade bending moment due to an arbitrary loading. The use of
the more exact equations of the present method should permit designers
to make a better evaluation of the coupled vibrations of rotor blades,
particularly in the analysis of blade stresses and instabilities such
as divergence and flutter.

4 S
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RAPID ESTIMATION OF BENDING FREQUENCIES OF ROTATING BEAMS

* By Robert T. Yntema S

Langley Aeronautical Laboratory

SUMMARY

A procedure is presented in the form of charts which permits the
rapid estimation of the natural bending frequencies of helicopter rotor
blades, both rotating and nonrotating. Since the approach is based on
Southweli's equation, an evaluation of the method with regard to such

* things as higher modes, blade offset, and variable mass and stiffness
distributions is also given. The evaluation shows that when nonrota-
ting beam bending modes are used, Southwell's equation yields reason-
ably accurate bending frequencies for rotating helicorter blades.
Example comparisons of frequencies estimated using the charts with values
given by the manufacturer for several actual blades show that the sim-

• plified procedure yields good practical results. 0

INTRODUCTION

* The purpose of this paper is to present results in chart form which 0
permit the rapid estimation of bending frequencies of rotor blades. The
proposed method of frequency determination makes use of the familiar
Southvell form; thus, it is also the purpose of this paper to show that
this approach works quite well when such things as higher modes, blade
offset, and variable mass and stiffness distributions are considered.

* The paper is divided into three parts as follows: In the first part a 0
review and an evaluation of the Southwell approach is given, in the sec-
ond part frequency charts are presented, and in the third part the
results of applying these charts to some actual helicopter blades are
given to indicate the order of accuracy obtainable in practical cases
with this procedure.

REVIEW AND EVALUATION OF SOWMWELL APPROACH

The basic form of the Southwell equation which defines the bending
frequencies of a rotating beam is given as

6 I.•
*I 0 0 0 0 0 0 0 0a 0
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L] fL

L o  . (1) 

where

MR bending frequency of rotating beam

11 rotational speed of beam

m mass distribution for beam

El stiffness distribution for beam

TI$2 tension force in beam

L length of beam 0

x spanvise coordinate along beam

y,y,y" beam mode shape and derivatives vith respect to x

Equation (1) yields exact values for the bending frequencies of a
rotating beam If the mode shapes of the rotating beam are known. Since
these exact shapes are usually not known, however, it is necessary to
assume mode shapes from which approximate frequencies can then be esti-
mated. If the nonrotating mode shape is substituted into the first
term of equation (1) and the coefficient of 02 Is replaced by K, the
Southvel constant, the Southwell equation takes the following form:

u2 MU2 +c 2 (2)

where

Unonrotating bending frequency of beam

K Southwell constant

If the hinge or point of fixity of the rceating beam is offset from the
axis of rotation, it may easily be shown that the Southwell constant can
be written in the form:

AlS

* 0 0 S 0 0 = .. .-- 0. == . .. 0-
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K = K0 + Kc (3)

where

K0  zero-offset Southwell constant

KI  offset correction coefficient for Southwell constant

E distance hinge is offset from axis of rotation

If equation (3) is substituted into equation (2),

If certain constants for the beam are introduced into equation (4), it
can be written as

'OR2 =an2 EI(OKl j12  (5)

in0L

where 10 and m0  are measured at the root of the beam and

L length of beam outboard of hinge or point of fixity 0

an nonrotating frequency coefficient for beam vibrating in
nth mode

In order to provide a basis for estimating the accuracy, usefulness,
and possible limitations of the Southwell approach, a systematic series 0
of blades was selected and frequencies were calculated by the Southwell
approach and a more exact process. Figure 1 shows the cases studied using
both methods. These cases include the uniform cantilever offset 0, 5, and
10 percent and the uniform hinged beam with the same offsets. The "linear"
type beams are beams in which the mass and stiffness both vary linearly
from the root value to zero at the tip. Zero- and 10-percent offset were
treated for this type of beam with both the cantilever and hinged root.

The Southwell frequencies were ootained with the use of the mode
shapes for the nonrotating beam whereas the true or reference frequen-
cies were obtained by a Rayleigh-Ritz energy procedure involving
expansion of the rotating beam modes in terms of the nonrotating modes
of a uniform beam. For the cantilever beams, five nonrotating uniform

* ,• 0 0 0 •0 p
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modes were used in the expansion. For the hinged beams, a pendulum mode
was used in addition to the five nonrotating modes. Some of the results
of this investigation are shown in figures 2 to 4. 0

The variation of bending frequency with rotational speed for a

uniform hinged beam is shown in figure 2. The range of [( t2is

in this figure is roughly 25 percent above that encountered in current 0
helicopters. From the results shown it is evident that the Southwell
results are quite accurate, the maximum error being about 3 percent in
frequency squared or only about 11 percent in frequency. This maximum

2
error is about the same for all three modes.

In order to avoid confusion, results for the 5-percent-offset case
are not shown in this figure. They fall roughly midway between the
0- and 10-percent-offset curves and show the same type of agreement
between exact and Southwell results.

Frequency results for the "linear" type hinged beam are shown in S
figure 3. From this figure it is apparent that the Southwell results
are extremely accurate, even for the highest rotational speeds shown.

A comparison of frequency results for the uniform and the "linear"
type hinged beam is given in figure 4. The most important thing to be
noted from this comparison is the difference in slope between the dashed S
and solid line for each mode. The slope of each of these lines is
directly proportional to the Southwell constant. The large difference
in slope, particularly evident for the first mode, indicates that a
single value of the Southwell constant for each mode could not ade-
quately predict the variations of frequency with rotational speed which
are shown in the figure.

Results obtained for the cantilever beams show roughly the same
type of agreement between exact and Southwell results.

From the foregoing evaluation of the Southwell approach it was con-
cluded that Southwell constants based on the nonrotating beam mode shapes •
lead to reasonably accurate bending frequencies of rotating helicopter
blades. The evaluation also showed that the Southwell constants vary
appreciably with beam mass and stiffness distribution.

CHARTS FOR FREQUENCY DETERMINATION

In order to provide a means for rapidly estimating rotor-blade
bending frequencies, the nonrotating frequency coefficients, zero-offset

•0
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Southwell constants, and offset correction coefficients for Southwell
constants have been computed for a series of beams with linear mass and 0
stiffness distributions. The range of mass and stiffness distributions
was selected to encompass variations found in currently manufactured
blades with some latitude for new design. All the constants are based
on the mode shapes of the nonrotating beam.

The variation of the nonrotating frequency coefficient an, with 0
beam mass and stiffness distribution is shown in figure 5. The abscissa
is the ratio of tip mass to root mass, 1.0 represents a constant mass
beam, and 0 the case where the mass varies linearly to zero at the tip.

The solid curves are for beams with constant stiffness along the
length, the short-dashed curves for beams where EI drops to half the
root value at the tip, and the long- and short-dashed curve for beams
where EI is zero at the tip.

Figure 6 permits selecting an accompanying value for the Southwell
constant for beams with zero hinge offset. The variation with stiffness
distribution appears quite small, particularly for the first mode.
Actually, however, there is a maximum difference of about 5 percent.
The variation with mass distribution is obviously somewhat more pro-
nounced for all the modes shown.

In order to account for cases where the hinge is offset from the *
axis of rotation, offset correction coefficients K1  have also been
computed for this family of beams. These coefficients, when multiplied
by the offset given as a fraction of the free beam length, yield the
correction to be added to the zero-offset Southwell constant.

The variation of this offset coefficient is shown in figure 7. It
is evident that this variation is quite similar to that shown in figure 6.

Results similar to those shown in figures 5 to 7 have also been
obtained for cantilever beams and are shown in figures 8 to 10.

EXAMPLE RESULTS

In order to illustrate the type of accuracy which can be expected
in using the frequency charts of figures 5 to 7, bending frequencies
have been estimated for the first three modes of four existing helicopter
blades. The following procedure was used in this estimation:

(1) Straight lines were faired through the m and EI distribu-
tions for the blade, large values near the root being ignored.

• . .. . . . . . . . ..
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(2) From these fairings, the root values of m and E1 and the
necessary tip-to-root ratios were obtained.

(3) By using these ratios, values of an, KO, and K1 were obtained

from the charts.

(4) Substitution of these constants into the Southwell equation
yielded the bending frequencies at zero and at rated rotor speed.

The results are shown in table I. The m and EI distributions
for the blades are shown on the left-hand side of the table. The actual
distribution is given by the solid lines. The dashed line is the linear
approximation selected to represent this variation. It should be empha-
sized that these linear approximations used in estimating the frequen-
cies were the initial ones selected and were not juggled to obtain the 0
best agreement. The frequencies shown as exact in this figure are values
furnished by the manufacturer.

If the exact and estimated results for the blades are compared, it
is evident that the results are quite accurate when the crudeness of
the linear approximations used is considered. It is interesting to note 0
that in all cases the estimated frequency of the rotating beam is more
accurate than that for the nonrotating beam; this indicates that the
linear approximations yield more accurate values for the Southwell con-
stant than for the nonrotating frequency coefficients.

Although no comparisons have been made for fixed end blades, it is 0
believed that even more accurate results should be obtainable for this
end condition since large values of root stiffness can be more accurately
accounted for by using the offset correction factors.

CONCLUDING REKARKS 0

To summarize, it has been shown that the Southwell approach, based
on nonrotating mode shapes, provides a reasonably accurate means of pre-
dicting frequency changes due to rotational speed for most current heli-
copter blades. It has been found, however, that a single Southwell 0
constant for each mode cannot yield accurate results for all cases,
particularly if the mass distribution of the blades is quite different.
In order to aid the designer, charts have been presented which permit
the rapid estimation of nonrotating frequencies, of Southwell constants,
and of the offset correction coefficients for Southwell constants, from
which reasonably accurate frequencies can be readily obtained for rota- 0
ting blades. In example applications, the method gave good estimations
of the bending frequencies of actual rotor blades.

" • .. " n0 [ 0, 0~'= 0, 5 "
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I

TABLE I

EXACT AND ESTIMATED FREQUENCIES FOR SEVERAL
MANUFACTURED BLADES

EWNR, RADIANS/SEC (R, RADIANS/SECm El MODE EXACT EST. EXACT IEST.

rTRUE I st 17.3 17.4 49.2 47.7
-FAIRED I" 2nd 48 5 50.0 86 8 85.7

3rd 95.5 101.0 137.0 137.8

1st 21.6 21 , 50.6 49.2
2nd 58.9 60.5 I 92.4 92.2
3rd 112.1 122.0 148.0 154.0

* Ist ' 21"9 ' 21. 1 74.0 I 78.3 I
I 2nd 63.7 I59.5 132.0 134.4

126.0 125.5 200.0 207.5

S Ist 13 4 14.6 37.9 37.8
2nd 437 41.6 71.0 70.3
3rd 949 94.5 125.0 24.0

ROOT TIP ROOT TIP S

* 0

* 0
* S 0 • 0 0 0 0 S 0
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DYNAMIC-MODEL DESIGN TECHNIQMJES

By George W. Brooks •

Langley Aeronautical Laboratory

INTRODUCTION

The interest in dynamic models as a means for solving complicated
engineering problems is steadily increasing, and such models have proven
to be valuable aids both in the development of aircraft and as essential
tools in aeronautical research. In the broad sense, a dynamic model is
one used to simulate motions and, in the general case, these motions
include the motions of structural deformation. When considering the use
of a dynamic model in a given investigation, the prospective user must
find satisfactory answers to many questions before he is in a position
to begin the model construction. Perhaps the most important questions
which arise are:

(1) What are the problems of primary interest?

(2) What are the characteristics of these problems with regard to
forces involved and structural response?

(3) What are the essential requirements for simulation of these
forces in a dynamic model?

(4) How should the model be designed to meet the specifications and
facilitate construction and testing within the allowable limits for time
and cost? S

The purpose of this paper is to present information intended to assist
prospective designers of dynamic models of helicopters to obtain workable
answers to the questions posed and, in so doing, to outline the steps
involved in the evaluation and design of dynamic models.

GENERAL DISCUSSION OF HELICOPTER PROBLEMS

With respect to the first and second questions, it is well-known
that there are many types of helicopter problems, and the phenomena which
distinguish them vary from the mild vibrations due to engine unbalance 0
to the violent instabilities of ground resonance. All these problems
arise, however, as a result of different combinations of three basic types
of forces.

• • •• • @• •0
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These three types of forces, in abbreviated notation, are shown in
figure 1 as vertices of a "triangle of forces." The forces are due to

* aerodynamics, elasticity, and inertia, and there is a damping force 0
associated with each of these.

This method of presentation was first used by Collar of Great Britian
in a discussion of aeroelastic problems of fixed-wing aircraft; however,
it appears to be equally applicable to the discussion of helicopter

* problems. S

Also listed on the diagram are a number of helicopter problems which
are grouped in two categories according to the number of forces involved.
The problems listed in the center of the triangle are dependent on all
three types of forces; whereas those problems listed on the sides of the
triangle are primarily dependent only on the two types of forces at either 0
end of the side of the triangle.

A point worth noting is the fact that the problems which are depend-
ent on the coupled aerodynamic and elastic forces are few in number and
minor in character. This is due to the fact that the centrifugal accel-
erations couple the inertia forces with the other two types of forces 0
and, thereby, bring the problems, which are ordinarily of this type,
within the triangle. The twist and divergence of rotor blades are
examples of this.

With regard to figure 1, the primary objective insofar as the prob-
lems are concerned is the classification of the problems into different S
groups. The types of forces involved in a given problem must be known
before the problem can be placed in a particular category. Most of the
helicopter problems, however, are fairly well defined and, therefore,
figure 1 serves as a convenient index of helicopter problems and the
forces which couple to create them.

If a study of one or more of these problems by means of dynamic-model
tests is desired, the triangle of forces may be referred to in order to
obtain a general idea of the necessary complexity of the model. For
example, when the characteristics of problems listed in the center of the
triangle are studied, the conditions for similarity of all the primary
forces must be satisfied; whereas for the problems on the outside of the
triangle, one type of force becomes secondary.

REQUIREEOTS FOR SIMILARITY

0 After satisfactory answers are obtained to the first two questions
in regard to the problems of primary interest and the forces involved, it
is then necessary to determine the requirements for the simulation of
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these forces in the dynamic models used to study tne problems. Accumu-

lated experience gained by dynamic-model studies indicates that the cost

* and time involved in a dynamic-model test program goes up rapidly as the 0
scope of the investigation and the complexity of the model are increased.
In the interest of obtaining practical solutions, therefore, a knowledge
of the essential requirements for similarity of dynamic models designed

for use in the study of various helicopter problems is highly desirable.
A convenient method for visualizing these requirements is presented in

* figure 2 which essentially assigns the forces of the triangle to the 0
components of the aircraft structure.

The first column consists of a list of several typical helicopter
problems ranging from performance to weaving. In the other columns are
listed significant variables which are separated into aerodynamic and
structural characteristics. The structural characteristics are further 0

subdivided into those pertaining to the blades, the hub, and the fuselage.
The aerodynamic characteristics listed are the lift coefficient or slope
of the lift curve, Reynolds number, Macn number, and fuselage or airfoil
shape. Under structural characteristics, the following are listed:

mass, stiffness, and damping of the blades; the natural frequency and
* damping of the hub; and the mass, stiffness, and damping of the fuselage

with the undercarriage included.

In an effort to point out the apparently essential requirements for
similarity, three notations have been chosen: black squares, crosbhatched

squares, and blank spaces. With respect to a particular problem, the
black squares mean that the variables are of primary importance and must •
be simulated in a distributed manner. The crosshatched squares signify
that the variables may be simulated by choosing average or lump valuez.
Blank spaces .ndicate that the variables are believed to be of secondary
importance and that simulation of these variables may be neglected for
the sake of model simplicity.

In order to illustrate the use of the chart, consider a specific
example such as flight vibrations. For the model to simulate properly
the full-scale helicopter, the mass and stiffness of the blades and fuse-
lage must be scaled in a distributed manner; whereas the damping of the
blades, hub, and fuselage, as well as tne natural frequency of the hub,

can probably be duplicated satisfactorily by choosing average values of •
the proper magnitude for each component. Selection of a similar mean
lift coefficient and airfoil shape is desired, but the simulation of

Mach number and Reynolds number would appear to be In the nature of a
refinement rather than a requirement.

With respect to the chart as a whole, there are two general con-

siderations to be noted. First, the existence of black squares in almost
every column shows a wide variation of helicopter problems and indicates
that a dynamic model designed to simulate the essential components for

*
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each individual problem would have to be closely scaled in its entirety
to simulate satisfactorily the full-scale helicopter with respect to all 0

4 the problems simultaneously. Second, the emphasis given to different
variables is subject to variation for different configurations and may
change as a result of further knowledge of the problems. For example,
the scaling of the mass distribution of the fuselage of a single-rotor
helicopter does not appear to be as critical as it is for a tandem con-
figuration, and the damping of the higher fuselage bending modes may 0

4 have some influence on stall flutter if encountered.

The selection of the actual scale factors for the design of a dynamic
model was discussed in considerable detail in reference 1. Other avail-
able references and textbooks appear to cover adequately the subject and
no further discussion on the selection of model scale factors appears to 0

4 be required at the present time.

DESIGN TECHNIQUES AND METHODS CF CONSTRUCTION

* After the requirements for similarity, including the determination 0

of the scale factors, have been established, the final problem which
confronts the designer Is the selection of methods of model construction
which will permit fabrication of the different components to the speci-
fications dictated by the scale factors. A number of techniques have
been employe- successfully, and the remainder of the paper is devoted to 0
a discussion of some of these.

In the same sense that it is possible to design a good helicopter
or good automobile in different ways, it is also possible to vary the
design of dynamic models and yet achieve the desired results. The
selection of the actual method of construction is perhaps a matter of 0
association or experience rather than of design evaluation, particularly
when time and money are limiting factors, as is usually the case. Several
different methods of construction which the NACA has used for different
models are discussed and the choice of a suitable method is left to the
reader.

Blades, Wings, and Fuselages

Among the many possible methods of model construction, those which
receive tne widest usage are segmented construction, stressed-skin con-
struction, and spar-insert construction. All these methods are adaptable
to either the lifting surface or the fuselage, and the selection of the
method used is to some extent arbitrary. There are, however, some con-
siderations which make one type preferable to another such as the speed
of the model tests, the urgency for model test results, the need for the
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reproduction in the model of higher modal characteristics of the proto-
type, and the investigation of such complicated phenomena as skin
buckling.

Segmented construction.- Segmented construction has received per-
haps the widest usage of any method of model fabrication to date. As
shown in figure 5, this type of model construction consists of selecting
a spar str.cture which is designed to have the required bending and tor-
sional stiffness and strength. The spar is placed in the wing or fuse-
lage structure in the proper geometrical position with respect to the
cross section to obtain the required location of the elastic axis of the
lifting surface or the required shear center of the fuselage. The blade
or fuselage segments are then designed so that each section, together
with the contributions of the spar, provides the proper values of mass,

moment of inertia, and so forth. These quantities, as shown by figure 3, 0
can be varied readily by varying the amount and chordwise location of the
masses added to each blade segment. The segments are then attached to
the spar and the gaps between segments are sealed with thin strips of
rubber.

This type of construction is often preferred because of its sim- 0
plicity and relative ease of fabrication. Among its limitations is the
fact that the design does not provide duplication of skin effects and,
for low-aspect-ratio structures, it does not provide good similitude of
prototype structures involving higher structural modes.

Stressed-skin construction.- The stressed-skin type of model con- •
struction is also used to a considerable extent and has many advantages
as well as some disadvantages. The extent to which the model is made to
simulate the prototype is mostly a function of effort on the part of the
designer in that the model can be made to simulate roughly the prototype
or it can be made a replica model. Inasmuch as this design is probably
the nearest thing to the prototype for current configurations at least, 0
it can be used for complicated structures such as low-aspect-ratio,
highly tapered, and highly swept structures. It can also be used to
study skin phenomena such as buckling or skin flutter.

If the familiar type of rivet construction is used, the stressed-
skin construction can be time consuming and expensive. However, with 0
the use of modern adhesives and forming techniques, this type of con-
struction merits greater consideration and, as the construction techniques
are improved and the number of types and gage sizes of various materials
are increased, stressed-skin construction may well become the preferred
type of construction for most dynamic models. Figure 4 shows a few
details of the stressed-skin rotor blade used on a dynamic helicopter 0
model which was designed, constructed, and tested at the Langley
laboratory.
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Spar-insert construction.- An example of spar-insert construction
is shown in figure 5 and consists of a spar imbedded in a structure which

4 may vary from weak, lightweight plastic to a strong and heavy wood. The •

structural properties of the model may be provided by the spar, the sur-
rounding structure being used primarily to obtain the desired shape, or
they may be provided by the surrounding structure. This type of con-
struction is often used for studying the overall effects of different
parameters on dynamic-model response, for example, the effect of mass
distribution on natural frequency. Generally, in models constructed in 0

this manner, the model parameters vary as a continuous function of the
span.

This type of structure is highly versatile in that the cross section
of the spar can be selected to give a wide range of bending and torsional

stiffnesses. The mass, center of gravity, and moment of inertia can be 
0

conveniently varied by placing inserts in holes such as shown on the
sketch.

Other types of model construction.- A few types of construction have
been mentioned which may be used in dynamic-model fabrication. There are

4 many others such as those shown in figure 6. Occasions arise where each 0

of these methods has merit. The solid section is, of course, desirable
from the standpoint of simplicity. If the proper material is available,
it may give close approximations to full-scale parameters. Surface
inserts provide convenient means for varying model stiffness. In other
cases, the desired torsional stiffness may be obtained by slotting the

model trailing edge and covering the slots to maintain aerodynamic integ- 
•

rity. The wrapped construction, which consists of wrapping a material
such as fiber glass around a core, is convenient either for fabricating
a model from the beginning or for changing the structural characteristics
of an existing model. The torsional stiffness is conveniently varied by
changing the amount of bias of the warp. The multispar design may be used
for models which must be strong but must also accomodate a lot of internal •
apparatus such as wires and tanks. A light-weight, high-strength con-
struction can be obtained by use of a porous filler and an external cover.
This method is essentially a variation of the stressed-skin design pre-
viously mentioned.

4 Dampers, Springs, and Landing Gear

So far, the discussion of structural design techniques has been
limited to a consideration of the fuselage and lifting-surface structures.
Of equal importance is the design of dampers, springs, and other model

4 components. •

The design of dampers and springs to provide a given model with the
required dynamic characteristics depends, of course, on the type of model,
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the space available, and the nature of the damper and spring constants
desired, that is, whether the damping is independent of velocity or pro-
portional to velocity or velocity squared and whether the spring constants
are linear or nonlinear.

A sketch of a simple damper design which the NACA has used quite suc-
cessfully is shown in figure 7. This damper has only one moving part and
can be used to dampen either rotary or linear motions. The damping coef-
ficient is constant throughout the range of motion for a given clearance,
viscosity, and wetted area and is easily changed by variation of any of
these factors. It was used on a dynamic helicopter model to damp both
the pylon and landing-strut. motions.

The spring and damping constants of tires change with air pressure
and it is desirable, if possible, to achieve the scaled prototype values
of these parameters by use of small tires. Figure 8 illustrates the use
of a model airplane tire in connection with a loop spring and damper to
achieve the scaled prototype values for the spring and damping constants
for the landing strut of a model helicopter. In figure 8, the details
of the damper are obscured by a rubber boot which covers the damper and
acts as a dust shield. The spring constant can be changed by varying
the air pressure in the tires or by adding detachable stiffening clamps
to the loop springs. The damping constant is easily varied by changing
the viscosity of the oil in the dampers.

Instrumentation * *
Another important factor in dynamic-model design is that of model

instrumentation. Instrumentation becomes a problem chiefly because of
the limitations on model weight and space. When reasonable requirements
for model instrumentation are being determined, the fact that an acceler-
ometer, or for that matter any other instrument, is about the same size
whether it is used on the model or the prototype must be considered.
Add to this the fact that the data obtained on the model must be at least
as reliable as that obtained on the prototype, particularly if the model
is being used to study the effect of minor changes in prototype configu-
ration and the result is a somewhat complicated problem which must be
solved by designing simple gadgets which are both small and reliable.
For instance, relative motion can be measured by means of small, flexi- 0
ble, strain-gage-beam arrangements such as the one shown in figure 9.
It may not be feasible to install enough instruments to get all the
desired data simultaneously; therefore, tests may have to be repeated to
obtain additional data to meet the requirements.
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CONCLUDING REMARKS

In conclusion, an attempt has been made in this paper to present
basic requirements for similarity of dynamic models suitable for study
of various helicopter problems, together with some of the techniques and
methods which the NACA has used in the construction and testing of dynamic
models of various types. It is questionable whether any group can present
an optimum design or method of construction for dynamic models because of
the endless scope of the subject. Each contribution to the science or
art, as the case may be, is valuable if it reveals some techniques which
are applicable to other related studies or if it provides the desired data
for a particular investigation. The extent to which a dynamic-model test
program will be successful is a function of many things but chiefly a
function of the ability of the personnel involved to design simple mech-
anisms which can solve complex problems at reasonable cost.
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METHODS OF PREDICTING THE FATIGUE CHARACTERISTICS

OF STRUCTURAL PARTS CONTAINING STRESS CONCENTRATIONS 0

By Herbert F. Hardrath

Langley Aeronautical Laboratory

In the design of helicopters, as in the design of any other structure
subjected to repeated loading, one must consider the possibility of fail-
ure by fatigue, but design for fatigue involves consideration of many
parameters for which no quantitative rules have been available. The
result is that millions of dollars have been spent on fatigue tests of
many kinds. References on the subject are numbered in the thousands and •
current bibliographies (ref. 1) indicate that approximately 200 more are
being published each year.

In the work at the Langley Laboratory, same simple design rules are
sought out of this profusion of information to help minimize the amount
of testing required in the future. This paper summarizes the results of 0
this approach on the study of effects of stress concentrations in fatigue.
This is probably one of the more important aspects of the overall fatigue
problem since practically every part of any machine or structure has some
change in cross section which affects the stress distribution and makes
the part especially vulnerable to fatigue failure.

The first step in any fatigue consideration is the determination of
the appropriate S-N curve for the case at hand. Consider, for example,
the case of a part containing a circular hole and subjected to completely
reversed axial loads. The maximum average stress on the net section is
plotted in figure 1 for test conditions producing static failure and
fatigue failures in 2 to 108 cycles. 0

The discussion deals with methods of predicting this curve in three
regions: first, the endurance limit indicated by the test point; second,
the intermediate stress range shown as a solid line; and last, the high-
stress region shown by the dashed curve. The prediction of a similar
curve for loading conditions other than completely reversed is discussed 0
next, and then a brief discussion of the cumulative effect of repeated
stresses that vary in amplitude is given. In all that follows it is
assumed, first, that the expected loading conditions are known, second,
that the static stress-strain properties and the fatigue behavior of
unnotched parts made of the same material as that of the part have been
determined in tests at constant amplitude for a variety of combinations 0
of mean and alternating stresses, and, third, that the theoretical stress-
concentration factor for the configuration involved is known.
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In order to establish the endurance limit for the curve in figure 1,
compare this S-N curve with a similar one for unnotched specimens made of
the same material and tested under completely reversed loads (see fig. 2)
and with the stress-strain curve for the material (see fig. 3). For both
of these curves the endurance limit is a stress well below the yield
strength of the material. It is known, of course, that the maximum local
stress in a specimen with a small hole is about three times the average
stress plotted in figure 2. This local stress is also below the yield
strength of the material. Since all stresses are elastic (at least in 0
the engineering sense), one might expect that the ratio between the endur-
ance limits would be equal to the elastic stress-concentration factor.
This turns out to be an overly conservative assumption. If the endurance
limit for unnotched specimens is divided by the net-section stress cor-
responding to the endurance limit in notched parts, an effective stress-
concentration factor is obtained. This factor is called the fatigue •
factor for brevity.

In figure 4 the points illustrate how this fatigue factor varies
with the radius of a hole in 2-inch-wide aluminum-alloy specimens tested
under completely reversed axial loads. Each point represents the fatigue
factor at the extreme right end of the S-N curve for a specimen with a •
different hole size. The solid curve shows that the theoretical factor
(ref. 2) in such specimens decreases from a maximum value of 3 for a
specimen with a very small hole and becomes asymptotic to 2 for a speci-
men with a large hole. Note that the difference between the fatigue and
theoretical factors is small for large radii and becomes greater for
smaller radii. This effect, called the geometric-size effect, has been •
recognized by many investigators for the last 20 years and several rela-
tionships have been proposed to predict its magnitude. The most promising
of these appears to be a relationship originally developed by Neuber
(ref. 3). Predictions by his hypothesis are indicated by the dashed
curve in this figure.

0
Figure 5 presents the Neuber formula which involves KT, the theo-

retical factor, w, the flank angle in an arbitrary notch (and for the
case under consideration this value is zero), r, the radius at the base
of the notch, and a constant A which is a property of the material.
The development of this formula can probably best be rationalized on the
consideration that practical materials are granular and therefore not
homogeneous and isotropic over volumes of the order of the size of grain.
The theory of elasticity, which is used to establish the theoretical
stress-concentration factor, assumes perfect homogeneity and therefore
does not give accurate predictions when small volumes are considered.
This formula, in effect, assumes a small volume which may be assumed to
be statistically homogeneous but across which no stress gradient exists.
The size of this volume cannot be measured physically, so it is adjusted
to suit the data. A value of A of 0.02 inch has been found for 24S-T
and 75S-T aluminum alloys to give predictions which agree best with
fatigue test results.
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A similar analysis of results of tests on steel specimens (ref. 4) 4
shows that A varies with ultimate tensile strength (see fig. 6). Com-

4 parisons between predictions by the Neuber formula using values of A •
from figure 6 and test results for several hundred sets of data indicate
that satisfactory predictions are possible. The previously mentioned
value of 0.02 inch for the aluminnm alloys is indicated by the points.

It should be pointed out that the predictions by the Neuber formula
4 and other methods which are discussed cannot be expected to be perfect. 0

There is always a certain amount of scatter associated with fatigue test
data, and when large volumes of data from several laboratories are being
correlated, there are many secondary factors which are not consistently
controlled. In most cases, however, the predictions are within the limits
of scatter in the data. The immediate and most obvious application of

4 this work on size effect is to point out the danger in the indiscriminate 0
use of results from laboratory tests on small specimens in the design of
larger parts. On the other hand, the method also shows how such data can
be used in the design of parts of practical size if the proper corrections
for size are made.

4 It has been shown how the size-effect considerations just described 0
permit prediction of the extreme right-hand end of the S-N curve in fig-
ure 2 for a notched part made of steel or aluminum alloy and subjected to
completely reversed loads. For certain parts which are loaded rather
heavily but less frequently and for occasional overloading of other parts,
it is necessary to know the fatigue strength at somewhat higher stresses.

* Therefore, consider the problem of prediction at higher stresses where 0
failure takes place in 164 to 107 cycles. Again, the discussion is lim-
ited to cases where the applied load is completely reversed. In many of
these cases the maximum local stress exceeds the elastic limit for the
material and some plastic redistribution of stress takes place. It
appears, then, that the desired prediction method will involve the effects
of plasticity on notch stresses. If the fatigue factor is computed at 0
various lifetimes along these curves, it is found that it decreases with
increasing stress as indicated in figure 7.

In figure 7 the solid curve illustrates this decrease in fatigue
factor with increasing net-section stress. The dashed curve presents
the results of an investigation of plastic stresses at notches under 0
static conditions. This formula, developed at the Langley Laboratory
(ref. 5), has been found to predict satisfactorily the plastic stress
adjacent to the notch in a variety of combinations of configurations
and materials. The relation involves the theoretical stress-concentration
factor iG,, the secant modulus of the material at the notch E, and

0 the secant modulus E appropriate for points far from the notch. Note 0
that the stress-concentration factor remains at its elastic value until
local stresses exceed the yield strength and then it decreases sharply
to approach a value of 1 at the tensile strength. There is fair agreement
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betveen the fatigue and plastic factors at the higher stresses, but a
discrepancy exists In the elastic region. However, it was shown previ-
ously that the Neuber formula predicts the endurance limit as indicated 0
by the tick and the upper end of the curve for the fatigue factor. If
the theoretical factor in this formula is replaced vith the Neuber factor
to correct for size, the elastic portion is lovered but the sloping por-
tion is essentially unchanged. Very good agreement is thus obtained at
all stress levels by a combination of size-effect and plasticity-effect
considerations. 0

Figure 8 gives a similar comparison for steels. The curve for the
plastic stress-concentration factor Is defined as before but is, of
course, computed for the appropriate stress-strain curve. Here, hovever,
the curves for the fatigue factors for various steels and configurations
are likely to lie anyvhere in the ruther vide scatter band defined by the 0
two solid curves. In each case the curve of the fatigue factor has
roughly the same shape as the curve for plastic stress concentrations and
the Neuber factor is a good approximation of its maximum value. Hovever,
the stress at vhich plastic action begins to reduce the stress-
concentration factor must be adjusted. Note that In some cases the
adjustment must be to a lover stress and In some cases to a higher stress. 0
Inspection of the data reveals that this action begins when the local
stress equals the endurance limit for unnotched specimens.

It develops that a simple hyperbola of the type in figure 9 gives
a good approximation to the fatigue factor for approximately 150 cnses
found n the literature. The constants N and C are adjusted to 0

produce a value of 1 for the stress-concentration factor at the ultimate
tensile strength and to pass the hyperbola through the Neuber factor at
the endurance limit for unnotched materials. This Is admittedly a
strictly empirical formula, but it appears to have soe physical signif-
icance on the basis of the following discussion.

In figure 10 the original stress-strain curve for the material is
plotted as a solid line. The dashed curves are the curves obtained vhen
the formula for the plastic stress-concentration factor is solved brick-
wards to find the stress-strain curve which would have resulted in the
variation in fatigue factor predicted by the empirical hyperbola. The
lover curve is for a case where the fatigue factor fell near the lover •
limit of the scatter band in figure 8 and the endurance limit for
unnotched specimens was significantly lover than the yield stress of the
material. According to physicists, the fatigue mechanism requires some
form of local plastic action in order to initiate a crack which ultimately
causes failure. If this is true, there must be plastic action at stresses
just above the endurance limit in steels even when this stress Is veil 0
below the engineering yield stress. The dashed curve represents the case
of a very mild steel where the endurance limit is higher than the yield
strength. Such materials vill not fail in fatigue even when stressed
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veil into the plastic range but just below the endurance limit. The
material undoubtedly hardens during the first few loading cycles to pro-
duce a new yield stress much higher than the first. The dashed curves
shown in this figure are probably not physically measurable stress-strain 0
curves. They are merely cnceptual models that may aid in understanding
the predictions uf the fatigue factors previously described.

Usable relationships have been developed for predicting the fatigue
factor for notched steel and aluminm alloys tested under completely
reversed loads. The predicted factor together vith the S-N curve for 0
unnotched specimens (see fig. 2) provide a means for computing the S-N
curve for the part in question at stresses producing failure in 104 cycles
or more. The approach just outlined breaks down at the higher stresses
because the S-N curve for unnotched specimens ceases to exist for life-
times less than 103 or 10 cycles. Since unnotched specimens can vith-
stand a stress practically equal to their ultimate strength for this 0
nuaber of cycles, and since the fatigue-factor predictions just described
upproach a value of 1 at this stress, the predicted S-N curve for notched
specimens would rise sharply at lives just below 104 cycles to intersect
the S-N curve For unnotched specimens at this point. Actually, recent
tests at the Langley Laboratory (ref. 6) have shown that notched speci-
mens can and do fall In much smaller numbers of cycles as indicated by
the dashed curve. This is a phenomenon not clearly understood at this
point, but filures in this region have been encountered in service.
This particular curve, for instance, indicates that approximately
100 cycles of a load equal to two-tJhirds of the ultimate strength vill
cause filure of the part. P.rts vith higher stress concentrations will
fall in correspondingly fewer cycles. 0

Predictions in this range will undoubtedly involve consideration of
progressive strain hardening in specimens subjected to repeated loading.
This effect is probnbly small at the lover stresses and has, therefore,
been neglected in the procedures described. Dta in this range are
extremely scarce, and experimental research is being conducted to fill 0
thia gap in knowledge (ref. 6). Data from auxiliary tests in which local
stresses in notched specimens subjected to repeated loading are measured
vould aid In verifyLng or modifying the assumptions made in the proposed
metnods and vould aid in extending the work to higher stresses.

o much for f illure under completely reversed loading. Most parts 0

of aircr-wft ind helicopters Are subjected to a stetdy load vith an oscil-
lating lo'Ld superimposed. Steidy stresses in rotor blades, For instance,
are likely to be in the neighborhood or three or more times the amplitude
of the dyT:mic stresses.

Figure 11 Illustrates the C-N curve for the sfuse type of specimen 0

previously discissed, except h,.t in this case the lo,.ding is zero to
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tension or R = 0 instead of completely reversed. This type of loading I
is assumed for simplicity, but the method to be developed is generally 3)
applicable to other cases as well. Several previous investigators
(ref. 7) have attempted to predict this curve by applying the theoretical
stress-concentration factor to the alternating stress and not the mean 4
stress, or to both, or to the maximum stress with various assumptions
regarding mean stresses. Most methods break down sooner or later when
large numbers of tests are analyzed. The following is a method which is
believed to have considerable merit: If the endurance limit of this 0
curve is multiplied by the Neuber factor to determine the maximum local
stress, it is found, in many cases, to be higher than the yield strength.
A plastic correction must therefore be applied at the endurance limit.
Figures 12 and 13 show how this correction should be made.

Figure 13 shows the stress-strain curve in tension and compression
for the material under consideration. Figure 12 portrays the variations

of stress with time for a part with a Neuber factor equal to 3.5 and a
maximum nominal stress of 20 ksi. The nominal curve shows the variation
in net-section stress with time and the dashed curve is the prediction
of maximum local stress if everything were elastic. Actually the local
stress exceeds the elastic limit and is therefore subject to reduction 0
by the plastic considerations previously described to a value indicated
by the solid curve. Upon unloading, however, it appears reasonable to
assume that all stresses again become elastic, that future cycles will
reproduce the maximum value, and that the range of stress becomes the
Neuber factor times the nominal stress range. The net result of the
plastic action appears to be an effective reduction in mean stress near •
the notch. Previous tests at the Langley Laboratory (ref. 8) showed that
the maximum local stress is repeated, at least during the first 100 cycles
of load. The assumption that the local stress range is the Neuber factor
times the range of stress on the net section has not been verified experi-
mentally, but it appears to be a reasonable first assumption. In fact,
if the life of an unnotched specimen subjected to this loading history 0
(solid curve) is determined, it serves as a reasonable prediction of the
life of the notched part under consideration. Note that the required
data on unnotched specimens must be for a mean stress and alternating
stress which are not related in a simple manner to the net-section
stresses in the notched specimen under consideration. What is needed is
a Goodman or similar diagram which facilitates interpolation between 0
various S-N curves.

If this line of reasoning is continued to higher stresses, the case
where the unloading portion of the cycle produced local stresses which
exceed the compressive yield strength of the material is eventually
approached. In the limiting case the local stress probably oscillates 0
between equal values of tension and compression stress, and the mean
stress is reduced to zero. The life of an unnotched specimen tested
under completely reversed stress equal to the maximum local stress deter-
mined in this manner will then provide a reasonable prediction of the

00
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life of the specimen under consideration. The same limitations on mini-
mum life apply here as noted in the case of completely reversed stresses. (3
Extension to shorter lives and higher stresses will again be possible 0
only after additional experimental work.

Up to this point it has been seen, first, how considerations of the
absolute size of a notch have resulted in the method of predicting the
endurance limit of notched steel and aluminum-alloy specimens tested
under completely reversed loading and, second, how elementary plasticity 0
considerations have helped provide a means for predicting fatigue behavior
of similar specimens tested at higher stresses and under loading condi-
tions other than completely reversed. The methods described have been
checked against large numbers of test results from NACA and other labora-
tories and have been found to produce predictions which are generally
within the limits of scatter of the data. •

The cumulative effects of stresses varying in amplitude are discussed
next. Most of the experimental data available on this effect are from
two-step tests in which the specimen is stressed at one stress level for
some fraction of its expected life and then tested to failure at some

4 other stress level. Results are generally analyzed by what is frequently 0
called the Miner hypothesis (ref. 9) which adds up the fraction of
expected life which was endured at each stress level. The answer is
usually something very different from the value of 1 predicted by the
Miner hypothesis. However, very few practical parts are subjected to
such a simple load history. Where two discrete stress levels are actually

4 encountered, they will probably occur alternately at random intervals. •
More generally, however, some sort of spectrum of stresses is involved.
The tests that have been performed with spectrum loading tend to produce
results which are somewhat more consistent when analyzed by the Miner
method, but the summation may still be very different from 1. Other pre-
diction methods have been proposed (refs. 10 to 12) but have not been
shown to be consistently superior to the Miner method. It appears that 0
many more tests of this type are required before predictions of cumula-
tive damage under variable amplitudes can be made realistically. The
development of more reliable prediction methods may become possible when
these tests and others performed in other laboratories provide a larger
volume of data with which to work.

4 0
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