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AFIT-ENY-DS-14-S-06
Abstract

The goal of the Dual-Expander Aerospike Nozzle, a modification to traditional
engine architectures, is to find those missions and designs for which it has a competitive
advantage over traditional upper stage engines such as the RL10. Previous work focused on
developing an initial design to demonstrate the feasibility of the Dual-Expander Aerospike
Nozzle. This research expanded the original cycle model in preparation for optimizing
the engine’s specific impulse and thrust-to-weight ratio. The changes to the model
allowed automated parametric and optimization studies. Preliminary parametric studies
varying oxidizer-to-fuel ratio, total mass flow, and chamber length showed significant
improvements. Drawing on modeling lessons from previous research, this research
devloped a new engine simulation capable of achieving a specific impulse comparable
to the RL10. Parametric studies using the new model verified the Dual-Expander
Aerospike Nozzle architecture conforms to rocket engine theory while exceeding the
RL10’s performance. Finally, this research concluded by optimizing the Dual-Expander
Aerospike Nozzle engine for three US government missions: the Next Generation Engine
program, the X-37 mission, and the Space Launch System. The optimized Next Generation
Engine design delivers 35,000 Ibf of vacuum thrust at 469.4 seconds of vacuum specific
impulse with a thrust-to-weight ratio of 127.2 in an engine that is one quarter the size of
a comparable RL10. For the X-37 mission, the optimized design operates at 6,600 1bf
of vacuum thrust and has a vacuum specific impulse of 457.2 seconds with a thrust-to-
weight ratio of 107.5. The Space Launch System design produces a vacuum thrust of
100,000 Ibf with a vacuum specific impulse of 465.9 seconds and a thrust-to-weight ratio
of 110.2. When configured in a cluster of three engines, the Dual-Expander Aerospike
Nozzle matches the J2-X vacuum thrust with a 4% increase in specific impulse while more

than doubling the J2-X’s thrust-to-weight ratio.
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DESIGN AND EVALUATION OF DUAL-EXPANDER AEROSPIKE NOZZLE UPPER
STAGE ENGINE

I. Introduction

1.1 Research Motivation

Prices for space launches are literally astronomical. The cost to deliver payload to orbit
is estimated to be as much as $10,000 per pound [15]. A first class stamp to space (that is
delivery of up to 3.5 ounces by weight) would cost $2,200. Current launch costs to place
satellites in orbit costs hundreds of millions of dollars. In this time of budgetary constraints,
reliance placed on satellites for surveillance, navigation, communication, and meteorology
in the US also means there is demand for more efficient and cheaper improvements [16, 17].

At the heart of launch costs is the fundamental science and engineering of rocket
powered flight. Payloads represent only a small fraction of the gross lift-off weight
(GLOW) of current rockets. Improvements in propulsion performance, measured in
specific impulse (I;,) and the propulsion system’s thrust-to-weight ratio (7/W), can
dramatically increase payload fractions. Increased payload fractions reduce the size of
launch vehicles for a given payload leading to lower cost launch vehicles. Increased
payload fractions can also increase the size of payloads launched per mission, reducing
the per pound cost for fixed mission expenses, such as range and insurance costs. Taken
together, the savings can be significant.

Since 1996, the Department of Defense, NASA, and the aerospace propulsion industry
have been working to significantly improve rocket propulsion performance to realize these
benefits through two US Air Force programs. The first program is the Integrated High

Payoft Rocket Propulsion Technology (IHPRPT) program. One of the main goals of



the IHPRPT program was to double the thrust-to-weight ratio achieved by traditional
LOX/LH2 engines. DEAN research quantified this thrust-to-weight ratio requirement by
specifying a minimum value of 106.5 [2]. The second US Air Force program is the Next
Generation Engine (NGE) program. The NGE mission requirements include a vacuum
thrust between 25,000 1bf and 35,000 1bf and a minimum vacuum specific impulse of 465 s.
The NGE physical constraints include a maximum engine length of 90 in and a maximum
exit diameter of 73 in [18]. Taken together, the IHPRPT/NGE requirements represent a
significant improvement in weight and packaging over traditional expander cycle engines
such as the RL10, while requiring equal or better performance in terms of thrust and specific
impulse. Government estimates predict these performance increases will increase payload
mass by 22% and decrease launch costs by 33% for expendable launch vehicles.[19]

Two additional US government programs could benefit from advances in rocket engine
design. The US Air Force X-37 is a reusable space plane designed to test various spaceflight
hardware and technologies. Its small size and reusability call for compact rocket engines
able to operate many times before replacement. The X-37 is currently outfitted with an
AR2-3 engine producing 6,600 Ibf of thrust and measuring just 32 in long with an outer
radius of 10 in [14, 20, 21]. NASA’s Space Launch System (SLS) is a shuttle-derived
super-heavy lift human-rated launch system which is still in the design phase. Four upper
stage configurations are being considered for the SLS including a design powered by four
RL10 engines and one powered by a single J-2X, an improved version of the gas generator
powered J-2 engine from the Apollo program. The RL10 design provides a vacuum thrust
of 99,000 Ibf and a vacuum specific impulse of 462.5 s, with a thrust-to-weight ratio of
37.3 and the J-2X design provides a vacuum thrust of 294,000 1bf and a vacuum specific
impulse of 448 s, with a thrust-to-weight ratio of 55 [8, 12, 22].

Achieving the significant gains in performance required by these programs will take

more than incremental improvements in rocket engine technology. For decades the thrust-



to-weight ratio of high powered liquid rocket engines, including Pratt & Whitney’s upper
stage RL.10 shown in Figure 1.1, has been relatively constant with respect to propellant
selection. Engines powered by liquid hydrogen/liquid oxygen have historically had thrust-
to-weight ratios between 41 and 61. Engines powered by RP-1/liquid oxygen have
historically had thrust-to-weight ratios between 71 and 102. This trend is present across a

variety of thrust levels and designs.[23]

Figure 1.1: Pratt & Whitney RL10, credit NASA[1]

The Air Force Institute of Technology (AFIT) is researching a modification to a
traditional upper stage engine architecture as a means of breaking through this performance
barrier. The result of this research is the Dual-Expander Aerospike Nozzle (DEAN) upper
stage engine. The DEAN, shown in Figure 1.2, uses two novel design choices. The first is
the use of separate expander cycles for the fuel and the oxidizer. In a traditional expander
cycle, the fuel is pumped through a cooling jacket for the chamber and nozzle. The energy

transferred to the fuel from cooling the chamber and nozzle is then used to drive the turbine



turning both the fuel and oxidizer pumps before the fuel is introduced into the chamber [5].
In the DEAN, the fuel and oxidizer each drive their own turbines to power their own pumps.

The second novel design choice of the DEAN is the use of an aerospike, or plug,
nozzle. Aerospike nozzles run through the middle of the rocket’s propellant flow and up
into the chamber, leaving the ambient atmosphere to form the outer boundary for the flow.
The interaction with the ambient atmosphere gives aerospike nozzles automatic altitude
compensation, making them more efficient over a range of altitudes. Similar bell nozzles
operate most efficiently at their specific design altitude [24]. The use of an aerospike
nozzle provides a second, physically separate cooling loop from the chamber for use in the
fuel expander cycle. This second cooling loop simplifies the propellant feed system and
increases the surface area inside the chamber used to drive the turbomachinery, providing
for correspondingly increased power to the pumps. The increased pump power leads to

increased chamber pressure, and in turn increased engine performance.

Figure 1.2: The Dual-Expander Aerospike Nozzle Upper Stage Engine



The DEAN’s unique architecture offers a number of advantages. The increased
chamber pressure yields smaller engines, in terms of both weight and physical dimensions,
for similar levels of thrust and specific impulse. The separate expander cycles also ensure
the fuel and oxidizer remain physically separated until entering the combustion chamber,
eliminating one of the more catastrophic failure modes in traditional expander cycles,
namely failure of an inter-propellant seal. The DEAN architecture is also a forerunner to
a similar boost stage architecture, where the aerospike nozzle’s global performance could
result in even greater performance gains [2, 25-27].

The DEAN architecture is not without its challenges, though. The LOX cycle requires
a turbine material to operate in an oxygen environment. Materials surveys at AFIT have
shown Inconel 718 provides both satisfactory oxygen resistance and suitable mechanical
performance for use in both the pump and the turbine in the LOX cycle [26, 27]. Also, the
expansion ratio of aerospike nozzles is limited by the ratio of the chamber area at the throat
to the throat area [24]. Due to this limit, aerospike nozzles generally need larger chamber
diameters to reach useful expansion ratios, potentially limiting the range of engines which
offer improved thrust-to-weight while also delivering the required specific impulse.

A number of simulation models of the DEAN have been developed at AFIT for a
single design targeting the IHPRPT program requirements demonstrating the feasibility of
the DEAN architecture. The primary model is a complete cycle model written in NASA’s

Numerical Propulsion System Simulation (NPSS).[2, 25, 26]

1.2 Problem Statement
The DEAN has been proposed as an improved upper stage rocket engine architecture
offering increased performance in a physically compact package. Addressing this proposal

requires answering the following questions.

e What are the operational limits of the DEAN architecture in terms of thrust and

specific impulse?



e What are the limiting constraints of the DEAN architecture?

e How does the DEAN compare to single expander cycle engines like the RL10 in

terms of specific impulse, thrust-to-weight ratio, and size?

e For what missions does the DEAN offer significant advantages over traditional upper

stage engines?

1.3 Research Objective

The objective of this research is to determine the viability of the DEAN architecture
by finding those missions and designs for which the DEAN has a competitive advantage
over traditional upper stage engines. This objective can be broken down into three sub-
objectives. The first sub-objective is to address the parametrization of the DEAN model.
On the practical level, the simulation must implement parametrization of the cycle model
in NPSS. On the architecture level the simulation must select a set of parameters which
fully defines the design and provides for robust execution of the model. The second sub-
objective is verifying the models used in the research and DEAN architecture. The third
sub-objective is comparing the performance of the DEAN to traditional upper stage engines
for a selection of missions, both current and proposed, in order to collect the data necessary

to satisfy the overall research objective.

1.4 Method Overview

This research built upon the initial work at AFIT on the DEAN. It extended the existing
cycle model of the DEAN to enable running parametric and optimization studies. The
research occurred in five phases. The first phase covered the development of a proof of
concept parametric system model of the DEAN. This first model was used to demonstrate
the utility of parametric modeling in rocket engine design by providing an improved design
from the results of parametric studies. These initial results led to extending the prototype

model to calculate improved performance and engine weight estimates.



The second phase involved the development of a new system level DEAN model
integrating the lessons learned from the previous efforts. The resulting model had the
necessary fidelity, flexibility, and reliability to address the research questions in the previous
section. The improved model was used throughout the remainder of this research starting
with phase three. The third phase was a detailed verification of the DEAN models and
architecture. The verification process included review and comparison of model source
code to engineering principles and parametric studies comparing the DEAN’s responses to
rocket engineering theory and the RL10 family of expander cycle engines.

With the model and architecture verified, the remaining phases focused on optimizing
the DEAN and comparing it to existing engines for a the IHPRPT/NGE, X-37, and SLS
missions. The fourth phase looked at the materials selection for the DEAN to find a
materials selection yielding consistently low weight engines across a wide range of designs.
Finally, the fifth phase covered a series of optimization studies of the DEAN for the three
selected missions and compared the DEAN’s performance and size to traditional upper

stage engines.

1.5 Research Contributions
1. A method for parametrically modeling rocket engines in NASA’s Numerical
Propulsion System Simulation (NPSS) was demonstrated including calculation of
initial estimates for key parameters in the NPSS model and calculation of fluid Mach
numbers in the cooling channels. The ability to develop a parametric model with the
required fidelity, flexibility, and reliability is essential for conceptual design studies

of new rocket engine architectures such as the DEAN.

2. The DEAN architecture was verified through a series of parametric studies. These
studies confirmed the validity of the DEAN architecture and demonstrated the

increased performance generated by the dual-expander cycles.



3. The materials selection proposed in previous research was refined to support a wide

variety of missions and engine designs.

4. An optimization process for DEAN engines using the DEAN simulation was
developed and demonstrated. This optimization process takes mission specific
requirements and constraints and yields a Pareto set of designs, trading off specific

impulse and thrust-to-weight ratio.

5. Optimal DEAN engine designs were found for three IHPRPT/NGE cases, the X-37
space plane, and two upper stage configurations of the SLS. These optimal designs
were compared to existing and proposed engines to demonstrate the benefits of the

DEAN architecture.

1.6 Dissertation Overview

The dissertation developed from this research follows the scholarly article format.
The document is divided into eight chapters and two appendices. Chapter 2 contains the
engineering and technical material relevant to the research. The material in Chapter 2 is
broken into four sections. The first section covers rocket powered propulsion with emphasis
on liquid rocket engines, including design and modeling. The second section documents
three US government programs involving advanced rocket propulsion: the US Air Force
IHPTRPT and NGE programs, the US Air Force X-37 space plane, and NASA’s SLS. The
third section presents a detailed review of previous research related to the DEAN. The
fourth and final section covers engineering optimization including terminology, problem
definition, and optimization algorithms.

Chapter 3 covers the initial parametrization of the DEAN and early conclusions from
the resulting parametric model. The parametric studies varied oxidizer-to-fuel ratio, total
mass flow, and chamber length. The DEAN can achieve 50,000 1bf vacuum thrust and 489 s

vacuum specific impulse with an oxidizer-to-fuel ratio of 6.0, a total propellant weight flow



of 104 Ib/s (a reduction of 14%), and an engine length of 27.9 in (a reduction of over 25%
from the original design), a significant weight savings. These results validated both the
parametric modeling approach of the research and the DEAN architecture. Chapter 3 was
submitted to and published in the AIAA Journal of Spacecraft and Rockets (see reference
[27]).

Chapter 4 documents the final DEAN system model. The chapter opens with a detailed
review of the need for an improved system model emphasizing the narrow trade space
size and insufficient reliability of the initial parametric model and the models following it.
Chapter 4 continues by describing the improvements in the new system model. It concludes
with an overview of the system model’s structure and execution.

Chapter 5 presents the verification of the final system model and DEAN architecture.
Parametric studies using the system model verified the DEAN architecture conforms to
rocket engine theory while exceeding the RL10’s performance. Improvements in the new
model led to designs which can match the RL10’s vacuum specific impulse of 465 seconds
while retaining thrust-to-weight ratios in excess of 135 and chamber pressures of greater
than 1500 pounds psia. These designs are compact, ranging in length from 27 to 38 inches.
The parametric studies also demonstrated the new model is flexible and robust, with 98.7%
of the specified designs converging successfully on a design point. Chapter 5 was submitted
to the AIAA Journal of Propulsion and Power.

Chapter 6 covers the optimization of the cooling channel geometry for the DEAN
and the selection of materials for the DEAN designed to yield consistently low weight
engines across a wide range of designs. The cooling channel optimization process was
used in support of the materials study in Chapter 6 and later optimization studies. The
materials study confirmed the following findings from previous research: the aerospike tip
material selection has little influence on the engine’s thrust-to-weight ratio, the chamber

cooling jacket should be manufactured from silicon carbide, the LOX plumbing should



be manufactured from INCONEL 718, and the LH2 plumbing should be manufactured
from INCOLOY 909. The material study found updated material selections for the
aerospike cooling jacket (silicon carbide), chamber structural jacket INCONEL 718), and
the aerospike structural jacket INCOLOY 909).

Chapter 7 presents the optimized DEAN engine for three US government missions.
For the IHPRPT/NGE programs, the optimized design delivered 35,000 1bf of vacuum
thrust and 469.4 seconds of vacuum specific impulse with a thrust-to-weight ratio of 127.2
in an engine that is one quarter the size of a comparable RL10. For the X-37 mission, the
optimized design operated at 6,600 1bf of vacuum thrust and has a vacuum specific impulse
of 457.2 seconds with a thrust-to-weight ratio of 107.5. For the SLS, the optimized design
produced a vacuum thrust of 100,000 1bf and a vacuum specific impulse of 465.9 seconds
with a thrust-to-weight ratio of 110.2. When configured in a cluster of three engines, the
DEAN matched the J2-X vacuum thrust with a 4% increase in specific impulse while more
than doubling the J2-X’s thrust-to-weight ratio. Chapter 7 was submitted to the AIAA
Journal of Spacecraft and Rockets.

Chapter 8 concludes the dissertation by covering the research results, contributions,
and recommendations for future work. Following Chapter 8 are two appendices. The first
appendix covers the verification and validation of the individual analysis modules making
up the final system model. The second appendix reevaluates the three designs from previous

DEAN research using the final system model to confirm the results of earlier research.
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II. Background

This chapter covers the engineering and technical material relevant to the research
presented in this work. The first section covers rocket powered propulsion with an
emphasis on liquid rocket engines, rocket design, and rocket modeling. The second section
documents three US government programs involving advanced rocket propulsion: the
US Air Force Integrated High Payoff Rocket Propulsion Technology (IHPRPT) and Next
Generation Engine (NGE) programs, the US Air Force X-37 space plane, and NASA’s
Space Launch System (SLS). The third section presents a detailed review of previous
research related to the DEAN. The fourth and final section covers engineering optimization

including terminology, problem definition, and optimization algorithms.

2.1 Rocket Propulsion

2.1.1 Rocket Fundamentals.

Rockets belong to the “jet” class of propulsion systems. “Jet” systems impart a force,
the thrust, on bodies by ejecting matter. In rockets, the ejected matter is carried with
the rocket and is called the propellant(s). For chemical rockets, such as those used in
space launch vehicles, the propellants are also the source of the energy for the rocket [24].
Spacecraft use the thrust provided by rockets to perform a number of functions related to
their motion (launch, orbit insertion, orbit maintenance/maneuvering) and rotation (attitude
control). The spacecraft launch process carries the spacecraft from a planetary surface to
orbit and orbit insertion transfers a spacecraft from its initial orbit to its operational orbit.
Orbit maintenance is the process of keeping a spacecraft in the required orbit and orbit
maneuvering is the process of transitioning to a new orbit. Attitude control is the process

of maintaining the required spacecraft pointing [5].
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Chemical rockets are classified into three broad categories based on the type of
propellants used: liquid, solid, and hybrid. Liquid rockets use liquid propellants stored
in tanks and are either bi-propellant or mono-propellant. Bi-propellant systems use the
combustion of a fuel and oxidizer as their energy source. Mono-propellant systems use the
energy from a chemical decomposition of a single propellant. Feed systems transport the
propellants to a combustion chamber where they chemically react to release the necessary
energy to eject the products. Liquid rocket engines can have very high performance and
control, in some cases including restart capability, but have a high degree of complexity.
Solid rockets combine the propellants ahead of time and store them in solid form inside
of the combustion chamber. Solid rockets offer simplicity and small size, but have lower
performance than liquid rockets and cannot be shut down once they have been started.
Finally, hybrid rockets combine traits from both liquid and solid rockets. Generally, hybrid
rockets utilize a solid fuel stored in the chamber and a liquid or gaseous oxidizer stored in
a tank. Like liquid rockets, a feed system is used to transport the oxidizer from the tank
to the chamber. Hybrid rockets’ complexity, performance, and size fall between those of
liquid and solid rockets, while their safety is generally seen as far better than either that of
liquid or solid rockets [5, 24].

Three key performance values are used to describe a rocket propulsion system. The
first performance value is its thrust (F). As discussed above, the thrust is the force imparted
by the rocket on the body it is propelling. The second performance value is its specific
impulse (I,,). Specific impulse is the ratio of a rocket’s thrust to its propellant weight flow
rate, a measure of fuel economy. The third performance value is the rocket’s thrust-to-
weight ratio (7'/W). The thrust-to-weight ratio is the ratio of a rocket propulsion system’s
thrust to the propulsion system’s weight. In liquid and hybrid rockets, the propulsion

system’s weight includes the feed system weight [5, 24].
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A rocket’s thrust comes primarily from two sources: momentum thrust (Equation (2.1))
and pressure thrust (Equation (2.2)). The total thrust, shown in Equation (2.3), is the sum
of these two sources times a nozzle efficiency rating (1) used to account for various losses
in the nozzle. The rocket’s exhaust velocity (v,) and exit pressure (p,) are tightly coupled to
the expansion of the rocket’s nozzle. These terms also have an inverse relationship where
increasing the rocket’s expansion leads to increased exhaust velocity with decreased exit
pressure and vice versa. Due to their inverse relationship, maximizing a rocket’s thrust is
not just a matter of maximizing the exhaust velocity and exit pressure. Instead, the maxi-
mum thrust corresponds to designs with exit pressures equal to the ambient pressure (p,)

[S, 24].

F, =my, 2.1)
FP = (pe - pa)Ae (22)
F = Almv, + (pe - pa)Ae] (23)

A rocket exhaust flow is said to be ideally expanded when the exit pressure equals the
ambient pressure giving the maximum thrust. For steady, supersonic flow (no separation
from the nozzle) the exit pressure is constant for a given engine plus nozzle combination
and the flow is only ideally expanded at a single altitude. At all other altitudes, the flow is
either over or under expanded at other altitudes. Over expansion occurs when the engine
is operating below its optimal altitude and the ambient pressure is greater than the exit
pressure. This condition makes the effective exit area smaller than the actual exit area and
can cause the flow to separate from the nozzle. Under expansion occurs when the engine
operates above its optimal altitude and the ambient pressure is less than the exit pressure.

Under expanded flows fan out past the nozzle exit area. In both conditions, the thrust is
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below maximum. For launch vehicles, where the ambient pressure is constantly changing
with altitude, designers ideally want an adjustable nozzle to match the exit pressure to
the ambient pressure throughout ascent. For upper stage and other space operating rocket
engines, size and weight constraints preclude nozzles large enough to reach exit pressures
at or near the ambient pressures found in the near vacuum of space, so they are generally
truncated [5, 24].

A rocket’s specific impulse relates its thrust to its propellant weight flow rate as defined
in Equation (2.4). Higher values of specific impulse are preferred as they require less of a
rocket powered vehicle’s mass be dedicated to propellant storage. Specific impulse values
for liquid rocket engines typically range from 320 s to 460 s depending on propellants

selection and engine design [5, 24].

I, =— (2.4)

An additional performance value, characteristic exit velocity (c*), is used to analyze
the propellant and chamber performance independent of a rocket’s nozzle. Assuming
one-dimensional, steady, and isentropic flow of a perfect gas gives the definition for
characteristic exit velocity shown in Equation (2.5). The characteristic exit velocity is
independent of a rocket’s nozzle because it is only a function of temperature and gas
properties defined by the thermochemical process in the chamber. Approximate values
for the characteristic exit velocity can be looked up based on the propellants selection and
used in the design process to size an engine starting with the throat area as discussed in

Section 2.1.2[5, 24].

= At&

m

(2.5)

A rocket powered vehicle’s mass at launch is comprised of three components. The

mass of the payload it is carrying (m,,,), the mass of the rocket’s structure or inert
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mass (m;,.;), and the mass of the propellant made up of both the fuel and the oxidizer
(Myrep). The relationship among these masses is governed by the rocket equation, shown
in Equation (2.6). In the rocket equation, Av is the change in the vehicle’s velocity
(discussed in more detail below) and v, is the propellant exhaust velocity which affects
the rocket’s performance. The masses are related by initial mass (m;) and final mass (m;).
Equation (2.7) and Equation (2.8) show the relationship between the mass terms of the

rocket equation and the payload, inert and propellant masses [5].

Av = —v,In (@) 2.6)
m; = my + Mpop 2.7)
myg = Mpqy + Mipers (2.8)

In addition to the actual mass values, the inert mass fraction can reveal important
insights into a rocket’s performance, shown in Equation (2.9). The inert mass fraction
represents the structural efficiency of a rocket powered vehicle with smaller values
representing more efficient structures. Traditional expendable launch vehicles have inert
mass fractions in the range of 0.08 to 0.12. The inert mass fraction can be combined with
a rocket’s specific impulse to predict the required propellant needed to achieve a specified
Av [5].

Minert

ﬁnert = (2.9)

Mprop + Minert

As mentioned above, the rocket equation relates the initial and final masses and the
propellant exhaust velocity to the change in the vehicle’s velocity. This change in velocity is
the primary effect of the rocket and is what enables launch vehicles to propel their payloads

into orbit. In order to achieve orbit, the payload must be accelerated to the required orbital
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velocity. Many payloads are placed into circular orbits. Equation (2.10) gives the orbital
velocity for circular orbits, where  is a gravitational parameter for the planet, 7q. is the
radius of the planet, and alt is the altitude of the orbit. As an example, the orbital velocity

for circular orbit at approximately 124 mi (656,170 ft) is 25,540 ft/s [28].

7
ir = | ——— 2.10
Y I”p[anet + Cllt ( )

While providing sufficient Av to reach orbital velocity is a requirement to reach orbit,
in reality it is not sufficient. Launch vehicles experience a number of velocity losses during
launch. These losses include gravity, atmospheric drag, and the expenses related to steering
the vehicle during launch. These losses average between 3280 and 6560 ft/s for launches
to Low Earth Orbits. Thus the required Av for a rocket powered launch vehicle is the sum
of the orbital velocity and the losses experienced during launch. For launch vehicles with
multiple stages, each stage will have its own required Av determined by target velocities
for the staging points in the launch profile and the losses the stage will encounter [5].

2.1.2 Liquid Rocket Engines.

Liquid rocket engines are a class of chemical rockets which use liquid propellants to
create chemical reactions converting thermochemical potential to kinetic energy to drive the
propellants out of the rocket and create the thrust. Figure 2.1 shows the primary elements
of liquid rocket engines. Bi-propellant liquid rockets use two propellants, an oxidizer and
a fuel, to create the required chemical reaction. Mono-propellants use a single propellant,
sometimes with a catalyst. In either case, the propellants are transferred from the storage
system, usually referred to as the tanks, to the injector face by the propellant feed system.
The feed system varies by engine cycle, and includes any required pumps, turbines, feed
lines, or pressurization fluids used to transfer the propellants to the combustion chamber.
The injector introduces the propellants into the chamber and separates the propellants from

the combustion process ensuring the required mixing takes place to support the combustion
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process. The chemical reaction occurs in the combustion chamber itself driving the process.
This reaction forces the propellants, in the form of the reaction products, out of the engine
through the throat. The chamber cross-section contracts as the propellants approach the
throat, speeding up the flow from sub-sonic velocities to Mach 1 at the throat. The flow
then enters the nozzle turning the flow to direct the momentum. The flow continues to

accelerate through the diverging nozzle until reaching the exit plane and leaving the engine

[S].

Propellant

/_ Feed System
InjectorFace/_ Nozzle

Combustion
Chamber Exit

Throat Plane

Propellant
Storage

Figure 2.1: Liquid Rocket Engine Elements

The length of a rocket’s nozzle depends on two key factors: the type of nozzle
(discussed below) and its expansion ratio, shown in Equation (2.11). The expansion ratio,
or area ratio, is the ratio of nozzle’s exit area to its throat area and is a measure of a nozzle’s
expansion. All other things being equal, larger expansion ratios lead to longer, and more
massive, nozzles. But, this extra mass usually comes with significant improvements in

specific impulse [5].

e = e 2.11)
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Traditional nozzle types are generally named after their shape. The simplest nozzle
type is the conical nozzle, described by the half angle («) of their cone. While still used on
relatively small rockets such as missiles, the conical nozzle is not widely used on launch
vehicle rocket engines. The most common nozzle used on launch vehicle engines is the bell
nozzle, named after its rounded, bell like shape. Bell nozzles offer higher efficiency than
conical nozzles, especially at their design altitude, and are still relatively easy to design and
manufacture. Full length bell nozzles are usually too long to be practical, so they are often
shortened. The actual length is usually described in terms of the percent of a full length
conical nozzle with a 15° half angle at the same expansion ratio. For example, an 80% bell
nozzle would be 20% shorter than the comparable conical nozzle [24].

An alternative to conical and bell nozzles is the aerospike or plug nozzle. A cross-
section of a truncated aerospike nozzle is shown in Figure 2.2. Aerospike nozzles are a
center body in the combusted propellant flow often forming the inner wall of the chamber.
The ambient atmosphere forms the outer boundary for the flow for these nozzles. The
combusted propellant flow expands against the aerospike nozzle radially outward to match
ambient pressure at each location in the nozzle flow field. The interaction with the
ambient atmosphere gives aerospike nozzles altitude compensation ability, making them

more efficient as altitude changes for the rocket than similar bell nozzles [24].

Aerospike nozzles can be quite long, often equaling the length of conical nozzles with
half angles between 10° and 12°. The expansion ratio of aerospike nozzles is limited by the
chamber geometry as shown in Equation (2.12) [4, 24]. Due to this limit, aecrospike nozzles
generally need larger chamber diameters to reach useful expansion ratios, potentially
limiting the range of engines offering acceptable thrust-to-weight while also delivering the
required specific impulse.

Ac,throat

€aerospike = A, (2.12)
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Figure 2.2: Cross-Section of a Truncated Aerospike Nozzle, taken from Martin [2]

The chemical reaction driving liquid rocket engines generates a substantial amount
of heat which must be managed to avoid damaging the engine. Four cooling approaches
are commonly used to manage this heat. Humble discusses the four approaches to rocket
engine cooling in Space Propulsion Analysis and Design [5]. The first is simple radiation
cooling. In radiation cooling, there is no active cooling system. Instead the structure
of the engine is allowed to heat up until it begins to radiate its heat into space. This
approach is generally used for small engines with low operating temperatures and short
burn durations in vacuum environments. The second approach is ablative cooling. In
ablative cooling, the chamber is lined with an expendable material ablating as the engine
operates. This approach is relatively simple, but adds weight to the engine and slightly
reduces the specific impulse as additional mass is injected into the exhaust without any
additional energy. Ablative cooling also limits the lifetime of the engine to the time it
takes to fully ablate the expendable liner. The third approach is regenerative cooling. In
regenerative cooling, the propellant feed system is integrated into the chamber structure
circulating cold propellant through a heat exchanger. The propellant then absorbs some

of the heat from the engine before injection into the chamber, keeping the engine within
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operating temperatures. This approach is more complex than the other approaches, making
its performance more difficult to predict. The final cooling approach is film, or boundary-
layer, cooling. In film cooling, a film is injected into the chamber close to its wall. This
film can be the engine’s fuel, oxidizer, or a dedicated coolant. The resulting oxidizer-to-
fuel ratio in the film is very different from the ratio in the main part of the chamber, leading
to a lower flame temperature. This approach is more complex than ablative cooling, but is
lighter weight. It should be noted film cooling also results in reduced values for specific
impulse from the injection of additional mass flow without any additional energy [5].

The propellant feed system for liquid rocket engines can be either tank pressure fed or
pump fed. In tank pressure fed rockets, the driving force in the feed system is the pressure
difference between the propellant tanks and the chamber pressure. This pressure difference
is maintained with the addition of an inert pressurizing fluid stored in additional tanks.
Pressure fed engines are relatively simple, but at the cost of performance and increased
tank weight driven by the added structure required to maintain the initial tank pressure. In
pump fed rockets, pumps drive the propellants from their tanks to chamber. These pumps
are powered by turbines. The source of the working fluid for the turbines differentiates a
number of different engine cycles for liquid rocket engines. Figure 2.3 shows schematics
of the three typical cycles. Starting on the left of the figure is the gas generator cycle. In
the gas generator cycle, a small amount of the fuel and oxidizer (2% - 5%) are fed into
a small dedicated combustion chamber. The resulting fluid is then used to drive a turbine
which drives the fuel and oxidizer pumps before being dumped overboard. Dumping the
fluid after driving the turbine leads to a loss in specific impulse (on the order of 2% - 5%).
In the center is the expander cycle. The expander cycle dictates the use of regenerative
cooling as a cooling approach because the heat picked up from cooling the engine is what
drives the turbine. In the expander cycle, a propellant, typically the fuel, is pumped from

its tank through the regenerative cooling channels to the turbine and then to the injector.
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The other propellant, typically the oxidizer, is pumped directly to the injector. The same
turbine drives the pumps for both the fuel and the oxidizer. Expander cycles typically run
a lower chamber pressures and thus have lower performance than the other two cycles,
but they are relatively simple to design and manufacture. The third cycle, shown on the
right in Figure 2.3, is the staged combustion cycle. The staged combustion cycle combines
elements of the gas generator and the expander cycles. Just as in the gas generator cycle,
there is a small dedicated combustion chamber powering the turbine. However, instead of
dumping the products of this combustion overboard, they are fed into the main combustion
chamber to complete the combustion process, similar to the expander cycle. The staged
combustion cycle avoids the specific impulse penalty of the gas generator cycle while
maintaining its high performance, but this comes at the price of increased complexity and

cost [5].
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Figure 2.3: Typical Liquid Rocket Engine Cycles from Huzel and Huang[3], credit J.
Hall[4]

2.1.3 Liquid Rocket Engine Design.
Liquid rocket engine design starts with requirements analysis followed by a conceptual

design study. The goals of the conceptual design study for a liquid rocket engine are
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to determine the rocket’s layout and dimensions, estimate its weight, and calculate its
expected performance generally in terms of thrust and specific impulse. As is common
in engineering design, the design process for liquid rocket engines is an iterative one,
as can be seen in Figure 2.4. The inputs to the design process are typically generated
during a vehicle’s mission analysis. Rocket engine design inputs cover both requirements
and constraints. The requirements generally include the thrust, specific impulse, Av per
mission segment, the engine’s lifetime, and the “-ilities” such as maintainability, reliability,
and manufacturability. The constraints generally include cost, risk, geometric envelope,

and development schedule [5].

Inputs

Estimate Choose Choose Cycle Determine
. Propellants& X Pressure
Size/Mass & Cooling Profile

Iterate as needed

Detailed
Sizing Analysis

Outputs

Figure 2.4: Liquid Rocket Engine Design Process

Once the requirements have been specified, the design process begins with an initial
estimate of the size and mass of the engine based on historical data. The weight of a liquid
rocket engine correlates strongly to thrust, propellant combination, and application (for

example in space applications versus launch vehicle boosters). Space Propulsion Analysis
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and Design provides a number of curve fits to develop initial estimates for the engine’s
mass and size based on the thrust and application [5].

After estimating the size and mass of the engine, the designer must choose the
propellants and the oxidizer-to-fuel ratio (O/F) for bi-propellants. For a given propellant
combination, expansion ratio, and engine cycle a specific oxidizer-to-fuel ratio produces a
maximum specific impulse. This ratio produces the optimal energy release and exhaust
molecular weight from the combustion reaction. For liquid hydrogen/liquid oxygen
engines, the optimal oxidizer-to-fuel ratio is between 3.5 and 6.0 [24] [5].

The next steps in the design process are to choose the engine cycle and cooling
approach. The determining factors in the choice of engine cycle are a trade off between
performance, complexity, and cost. The engine cycle has a significant impact on the
pressure levels in the chamber and feed system. For the cooling approach, the choice
again comes down to one of performance and complexity. Generally speaking, higher
performance engines will require more complex cooling approaches. It should be noted,
choosing the expander cycle dictates the use of regenerative cooling in order to drive the
cycle’s turbine [5].

The final step in the iterative phase of the design process is to determine pressures in
the chamber and the feed system. As the propellants flow from the tanks to the combustion
chamber and eventually out to the ambient environment through the nozzle, the pressure
changes. Causes of pressure changes include losses in the plumbing and the injector face,
increases from the pumps, decreases across turbines, and the change in fluid velocity from
zero in the tanks to the required velocity to deliver the necessary mass flow. During this
step, the propellant mass flow is determined from the required thrust, and the chamber
pressure and expansion ratio are varied to obtain a design which meets the required specific
impulse. The pressure losses are then accounted for working back from the chamber to

the tanks to determine the pressure in the propellant feed lines. For pump-fed cycles, the
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required power and pressures are balanced for the turbine(s) and pump(s) from the pressure
calculations. In expander cycle engines, lower turbine pressure ratios lead to improved
T /W by decreasing the pump mass (lower pump-pressure rise leads to small pumps) or
decreasing the chamber mass (higher chamber pressures lead to smaller chambers). The
results of the analysis from this step can be plotted in pressure level plots, such as the one

in Figure 2.5 to summarize the performance of the propellant feed system [5].
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Figure 2.5: Example Pressure Plot of a Gas Generator Cycle; redrawn from Humble [5]

The above steps are iterated to converge on an initial design point. Once the initial
design point has been selected, a more detailed sizing analysis can be conducted. This
sizing analysis starts with the combustion chamber. The combustion chamber should
be as small as possible while still being large enough for the combustion process to
occur. Fully accounting for the combustion process is complex, so designers rely on
empirical data when initially sizing the combustion chamber. The throat area is the first
chamber sizing parameter to be calculated from the total mass flow, characteristic exhaust
velocity, and chamber pressure using Equation (2.13) which is based on the definition of

the characteristic exit velocity (Equation (2.5)) [5].
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A, = (2.13)
De

The throat area is then combined with the characteristic length (L"), a design parameter

measured in units of length and defined in Equation (2.14), to determine the chamber
volume. The characteristic length relates the chamber volume to the throat area using
historical data as a guide for sizing the chamber volume. The values computed from
Equation (2.14) represent a minimum chamber volume. Shorter values for characteristic
length lead to smaller engines, however poor combustion results from engines with values
which are too short, so designers must seek a balance between engine size and combustion
quality. Historical values for characteristic length range from 31.5 in to 39.4 in depending
on the propellant(s). Liquid oxygen and liquid hydrogen engines have values between 29.9
in and 40.2 in. Assuming the chamber is a cylinder, the volume and Mach number can then
be used to determine its cross-sectional area (and in turn its diameter) from Equation (2.15)
and its length from Equation (2.16). Note, the Mach number (M) in the chamber must be
subsonic, with typical values ranging from 0.1 (conservative designs) to 0.6 (aggressive

designs) [5].

L=~ (2.14)
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The nozzle is the next component of the engine to be sized. For traditional bell nozzles,
three parameters — the throat area, the exit area, and the length — define the size of the
nozzle. The nozzle’s throat area is already determined from the chamber sizing, since it

must match the dimensions of the chamber throat. The exit area can then be calculated
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by solving Equation (2.11) for A,. Finally, the length can be estimated by assuming a
percentage of the length of a 15° conical nozzle such as the common 80% bell nozzle.
Equation (2.17) gives the length of a conical nozzle based on its throat and exit diameters

and its half angle [5].

_ De - Dt
~ 2tan(a@)

(2.17)

n

After sizing the chamber and the nozzle, the engine mass can be estimated beginning
with the chamber and nozzle, and continuing with the mass of the turbopumps, and feed
lines and structural elements. The mass of the chamber and nozzle depend on the material
used to fabricate them and the cooling approach used. However, in general, the process used
to estimate the mass of the chamber and nozzle is to calculate the required wall thickness
based on the material strength and the chamber pressure in order to calculate the volume of
material needed for the chamber and nozzle. The total volume of material is then multiplied
by the density of the material(s) to complete the mass estimation. The turbopumps, when
present, represent design processes of their own. For initial mass estimation, designers
can turn to empirical mass estimation relationships such as Equation (2.18). Similar mass

estimation relationships exist for the feed lines and the structural elements [5].

my,, = At® (2.18)
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TN, (219)

2.1.4 Modeling Liquid Rocket Engines.

Computational modeling tools for rocket propulsion systems fall into two broad
categories. The first is high level tools to provide overall performance of traditional
rocket engine architectures. These tools generally assume the use of a bell nozzle, and

one of the classic rocket engine cycles such as the expander cycle, the gas generator
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cycle, or the staged-combustion cycle. Tools in this category include SpaceWorks
Engineering’s REDTOP and Alexander Ponomarenko’s Rocket Propulsion Analysis. The
second category is engine cycle analysis tools such as Pratt and Whitney’s Rocket Engine
Transient Simulator (ROCETS) and NASA’s Numerical Propulsion System Simulation
(NPSS). These tools allow designers to model entire engine cycles, making them useful
in design scenarios involving new propulsion technologies and cycles.

2.1.4.1 REDTOP.

REDTORP is a liquid rocket engine analysis tool developed for use during conceptual
design studies. REDTOP runs on MS Windows and Mac OS X, and can be used from the
command line, the included graphical user interface, MS Excel, and Phoenix Integration’s
ModelCenter (through an included Analysis Server fileWrapper). REDTOP comes in
standard and lite versions, with the standard version offering more detailed analyses.
Both versions use a Gibb’s free energy combustion analysis for both included and custom
user propellants. Analyses in REDTOP include both ideal performance and real world
performance based on estimated efficiencies. REDTOP automatically provides suggested
efficiencies for the selected engine cycle and propellants, the chamber and the injector, and
the nozzle [29].

Users can model both existing engines and new engines in REDTOP. To model
existing engines, users generally specify the required mass flow of the engine being
modeled. REDTOP will return the predicted thrust, and the nozzle and exit areas. To model
new engines, users specify either required thrust and ambient conditions, the required throat
area, or the required exit area. When the required thrust is specified, REDTOP returns the
mass flow rate, and the throat and exit areas necessary to achieve the specified thrust. This
is the usual method when using REDTOP as part of a vehicle design study. REDTOP can
also return the thrust for throttle settings below 100%. After specifying one of the analysis

objectives above, users then specify the propellants, the mixture ratio, the desired chamber
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pressure, nozzle parameters, and the cycle type. Results for REDTOP analyses include
the engine performance, the over all engine areas, and weight prediction based on both the
summation of estimated component weights and a power-to-weight ratio. In addition to the
performance and sizing analyses, REDTOP can also perform a flow separation analysis on
the nozzle, and a gimbal range check for engine clusters [29].

2.1.4.2 Rocket Propulsion Analysis.

Rocket Propulsion Analysis (RPA) is a rocket engine analysis program which runs on
MS Windows, Mac OS X, and Linux. The developer provides a free lite version, and a
standard paid version. RPA’s strengths are its flexibility in propellant options, including a
wide range of built in propellants, plus support for both custom user defined propellants
and importing CEA2 and PROPEP propellant definitions. Unlike REDTOP, RPA does not
allow the user to specify a particular engine cycle. RPA uses a simpler approach of having
the user define the chamber pressure, nozzle parameters, and propellant selections. The
user must use the RPA results in another analysis to account for the effects of the engine
cycle and the chamber design. RPA’s calculations are indicative of actual performance for
pressure fed and staged-combustion rocket engines [30].

Setting up an analysis in RPA involves three basic steps. The user begins by
defining the overall problem. In the lite version the problem definition is simply the
chamber pressure. In the standard version, the user also selects a design objective, for
example solving for a nominal thrust level at a specified ambient pressure. The second
step is to specify the propellant(s) and the mixture ratio. Note, RPA supports mono-
propellant, bi-propellant, and tri-propellant engine designs. The final step is to define
the nozzle parameters such as the exit pressure or the expansion ratio. RPA returns
internal combustion analysis at the injector, throat, and the exit plane. RPA also returns
engine performance values, both ideal and with losses, over a range of altitudes. The key

engine performance values RPA reports are the vacuum and sea level specific impulse, the
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characteristic velocity and the thrust coefficient (cr) [30]. The engine’s actual thrust can
be calculated from the thrust coefficient from Equation (2.20) if a throat area has been
determined [24]. The standard version offers two other features over the lite version: a
JavaScript Application Programming Interface to facilitate automated analyses and trade

studies, and a chamber and nozzle geometry design and export tool [30].

F = cpApe (2.20)

2.1.4.3 Numerical Propulsion System Simulation.

NPSS is a computer simulation tool for modeling aircraft and rocket engines. Engine
simulations built in NPSS provide higher fidelity results than engine cycle studies. NPSS
has been developed by the NASA Glenn Research Center, with assistance from the
aerospace propulsion industry. Models built in NPSS consist of a series of interconnected
software objects representing the components of the engine under consideration. The object
connections are made using NPSS Application Programming Interfaces, called “ports”,
modeling fluid flows, mechanical connections, and thermal flows. A built-in solver in
NPSS can then be used to drive the model design variables to balance the fluid flows,
mechanical power, and thermal flows in the model and converge on a design point [31].

NPSS models have four classes of variables: the dependent variables the NPSS solver
will ensure equal specified values, the independent variables the NPSS solver is free to
adjust as necessary to converge the design, component inputs read by the NPSS solver but
not altered by it, and component outputs calculated by the NPSS solver, but not driven
toward a particular value. Taken together, the NPSS dependent variables and component
inputs form the set of user specified design choices or design variables. The NPSS
independent variables and component outputs form the set of user specified responses or

response variables [31].
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As part of the development of NPSS, NASA worked with members of the propulsion
industry to verify and validate NPSS. This effort covered both air breathing and rocket
engine modeling. Members of the NPSS development team modeled a number of engines
and compared the NPSS outputs to the actual performance of the engines in question.
Tests of the rocket capabilities in NPSS included modeling the RL10, an expander cycle
liquid hydrogen/liquid oxygen upper stage engine. NPSS performed well in these tests,
demonstrating its utility in modeling engine cycles [31, 32].

2.1.4.4 Rocket Engine Transient Simulator.

ROCETS is a modular rocket propulsion analysis tool developed by Pratt and Whitney
for NASA. ROCETS can perform both steady-state analyses to model full power operation
and transient analyses to model engine start up or shut down. Its modular design is
built around connecting rocket engine components and reusable engine models. ROCETS
supports both built-in components, such as pumps, turbines, and dynamic volumes, and
custom user components. Engine models in ROCETS are defined in a formatted text
file which is used to generate a FORTRAN program. The reusable engine models allow
designers to run multiple analysis scenarios including parametric design, steady-state
analysis, transient simulations, and generation of linear models, without recreating the
underlying engine model. ROCETS has been used to model the Space Shuttle Main Engine,

the RL10 upper stage engine, and the Space Transportation Main Engine design study [33].

2.2 Government Demand for Improved Rocket Engines

This section provides an overview of US government demand for improved rocket
engines starting with the current US government launch vehicles and then covering three
programs focused on the use of improved rocket engines. These demands are driven by US

reliance on satellites and the continued need to effectively and affordably launch them.
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2.2.1 Current Launch Vehicles.

The US government relies on satellites for surveillance, navigation, communication,
and meteorology. Currently, the US uses the two launch vehicles from the Evolved
Expendable Launch Vehicle (EELV) program, the Delta IV and Atlas V, to deliver many of
its satellites to orbit. Both use variants of the RL10 to power their upper stages [17, 34].

The Delta IV is a family of medium-weight and heavy-weight launch vehicles. The
Delta IV Medium first stage uses a single Common Booster Core. The Delta IV Heavy
first stage uses three Common Booster Cores. The Delta IV family of launch vehicles has
two upper stage variants: the 4 m upper stage (Figure 2.6) and the 5.2 m upper stage. Both
upper stages are powered by a single RL10B-2. The RL10B-2 delivers 24,750 1bf vacuum
thrust and uses an extension nozzle to achieve a vacuum specific impulse of 465.5 s. The

RL10B-2 has a thrust-to-weight ratio of 37.3 [11, 34].

Figure 2.6: Delta IV Upper Stage, credit NASA KSC [6]

The Atlas V is the latest launch vehicle in the Atlas family going back to 1959. Current

Atlas launch vehicles come in two variants offering different sized payload fairings. The
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Atlas V 400 series has a 4 m diameter fairing and the Atlas V 500 series has a 5.4 m
fairing. Both variants use the same Centaur upper stage (Figure 2.7), powered by one or
two RL10A-4-2 rocket engines. The RL10A-4-2 generates 22,300 1bf vacuum thrust with

vacuum specific impulse of 451.0 s and thrust-to-weight ratio of 60.3 [34, 35].

Figure 2.7: Centaur Upper Stage, credit NASA KSC [7]

2.2.2 US Air Force Next Generation Launch Programs.
The thrust-to-weight ratio of high thrust liquid rocket engines follows a decades long

trend documented by B. McHugh in 1995 [23]. McHugh’s research covers bi-propellant
liquid rocket engines producing thrust between 60,000 N (13,500 Ibf) and 8,000,000 N
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(1,800,000 Ibf). He based his results on data from fourteen rocket engines developed
over 40 years, which included one expander cycle engine, and a mix of gas generator and
staged combustion cycle engines. One of McHugh’s findings was the clustering of thrust-
to-weight ratios for rocket engines, as opposed to the thrust-to-weight ratios of the launch
vehicles, based on their propellants. He found liquid hydrogen/liquid oxygen engines have
vacuum thrust-to-mass ratios (7'/M) between 0.4 and 0.6 kN/kg, and RP-1/liquid oxygen
engines have vacuum thrust-to-mass ratio between 0.7 and 1.0 kN/kg. Multiplying these
values by 1000 N/kN and dividing by 9.81 m/s? converts McHugh’s values to traditional

vacuum thrust-to-weight ratios, shown in Table 2.1 [23].

Table 2.1: Thrust-to-Weight Range Based on Propellants

LH2/LOX RP-1/LOX

T/M (kN/kg) 0.4-0.6 0.7-1.0
T/W 41 - 61 71 -102

Since 1996, the Department of Defense, NASA, and the aerospace propulsion industry
have been working to double U.S. rocket propulsion capability when compared with 1993
rocket propulsion capability including thrust-to-weight ratios. Two major programs have
been started to meet this goal. The first is the Integrated High-Payoff Rocket Propulsion
Technology program (IHPRPT). Scheduled to end in 2010 with an extension to 2012,
IHPRPT was divided into propulsion categories (boost, orbit transfer, and spacecraft
propulsion) and phases. Research into upper stage rocket engines continues in the Phase
IIT orbit transfer efforts. The goals for the Phase III orbit transfer research are to improve
vacuum specific impulse and thrust-to-weight ratio, and to reduce the costs and failure

rates of launch vehicle upper stages. The anticipated benefits of meeting these goals are to
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increase expendable launch vehicle payload mass by 22% and reduce their launch costs by
33% [19].

The second program is the U.S. Air Force’s Next Generation Engine (NGE) which
seeks to replace the RL.10 on both the Delta IV and the Atlas V by 2017. Since the NGE
is intended to replace the RL10, the Air Force is requiring the NGE to be compatible
with the Delta IV and the Atlas V. The NGE must use the same propellant combination as
the RL10, liquid hydrogen/liquid oxygen, and it must be able to integrate on both launch
vehicles. Performance requirements include vacuum thrust in the range of 25,000 Ibf to
35,000 1bf, a vacuum specific impulse of at least 465 s, and a life expectancy of at least
3000 s. Size constraints for the NGE are a maximum length (gimbal to nozzle exit) of 90
in, and a maximum exit diameter of 73 in [18].

The RL10B-2 falls just outside of these requirements. Its 24,750 Ibf vacuum thrust is
just under the NGE minimum thrust and its high-expansion ratio nozzle has a diameter of
84.5 in exceeding the NGE constraint by nearly 16%. It is worth noting, the RL10B-2’s use
of an extendable nozzle gives an engine length of 86.5 in when stowed, meeting the NGE
constraint despite its high expansion ratio [11].

2.2.3 NASA’s Space Launch System.

NASA has its own upper stage engine requirements centered on the Space Launch
System (SLS). The SLS is a shuttle derived super-heavy lift human-rated launch system
which is still in the design phase. As a human-rated launch vehicle, work on the SLS is
closely coordinated with the Orion crew capsule program. Its super-heavy lift capacity,
between 70 metric tons and 130 metric tons to low-Earth orbit, is crucial to its role as a
launcher for missions beyond Earth orbit [22].

Four upper stage configurations are being considered for the SLS, with two
configurations being relevant to this research. The first design is an upper stage powered

by four RL10 engines, using the RL10B-2 version or a similar design. This configuration
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is shown in Figure 2.8. The quoted performance for the RL10s used in this design is a
vacuum thrust of 24,750 Ibf and a vacuum specific impulse of 462.5 s. The four RL10
engines together give a total vacuum thrust of 99,000 Ibf and have a total weight of 2656
Ibf for a thrust-to-weight ratio of 37.3 [8, 36]. Table 2.2 summarizes the four RL-10 cluster

performance and dimensions.

Figure 2.8: SLS Upper Stage with Four RL10 Engines, credit The Boeing Corporation [8]
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Table 2.2: Key Performance Parameters for the SL.S RL10 Rocket Engine Cluster [8, 11]

Parameter Value

Vacuum Specific Impulse (s)  462.5

Vacuum Thrust (Ibf) 99,000
Thrust-to-Weight Ratio 37.3
Outer Radius (in) 108.0
Stowed Length (in) 86.5

The second of these designs is an upper stage powered by a single J-2X engine, shown
in Figure 2.9. The J-2X is the successor to the LOX/LH2 engine which powered the Saturn
V’s upper stage. Like the J-2, the J-2X is powered by a gas generator cycle. The J-2X is
being designed to have a vacuum thrust of 294,000 Ibf, a vacuum specific impulse of 448
s, and a weight of 5,450 Ibf giving it a thrust-to-weight ratio of 55 [8, 12, 37]. Table 2.3

summarizes the J-2X performance and dimensions.

Table 2.3: Key Performance Parameters for the J-2X Rocket Engine [12, 13]

Parameter Value

Vacuum Specific Impulse (s) 448.0

Vacuum Thrust (1bf) 294,000
Thrust-to-Weight Ratio 55.0
Outer Radius (in) 60.0
Length (in) 180.0
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Figure 2.9: SLS Upper Stage with Single J-2X Engine, credit The Boeing Corporation [8]

2.2.4 US Air Force Space Plane Program.

In addition to its research into next generation expendable launch technologies, the
US Air Force has also renewed its interest in reusable space planes. The result is the

X-37 Space Maneuvering Vehicle, a test platform for advanced spaceflight hardware and
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technologies including automated approach and landing, light weight and high performance
thermal protection systems, and hot structure control surfaces. Development of the X-37 is
a joint project including contributions from the US Air Force, various NASA centers, and
private industry. The X-37 has been developed in two phases, each targeting a separate
technology demonstration vehicle. The first phase, using the Approach and Landing
Vehicle (ALTV), focused on aerodynamic testing and proving the function of the automated
approach and landing system.

The second phase, which is ongoing, uses the Orbital Test Vehicle (OTV) to test the
on orbit and reentry technologies including the thermal protection systems and the hot
structure control surfaces [20]. Two X-37 OTVs have been built and flown to date. The
first vehicle, OTV-1, completed its mission of 225 days on December 3, 2010. The second
vehicle, OTV-2, was first launched on March 5, 2011.[38] Figure 2.10 shows the OTV in

its launch configuration aboard an Atlas V [9].

The X-37 OTV uses an AR2-3 hydrogen-peroxide/kerosene engine for on orbit
maneuvers [21]. Figure 2.11 shows a view of the AR2-3 engine on the OTV after one
of its missions. The AR2-3 has a long history with the US Air Force. It was developed by
the Rocketdyne corporation between 1955 and 1969. The original mission of the AR2-3
engine was to augment jet fighter propulsion systems to give the aircraft increased speed
and allow them to reach increased altitudes. The AR2-3 programs were quite successful,
accumulating over a dozen hours of operation and allowing aircraft to reach altitudes of

121,000 ft [39].

The AR2-3 generates 6600 1bf of vacuum thrust which can be throttled down to 3300
Ibf. Its vacuum specific impulse of 246 s is much lower than the other engines mentioned
in this chapter. The AR2-3 is powered by a gas generator cycle using the mono-propellant
reaction of the hydrogen-peroxide oxidizer with a catalyst to drive the turbine. Table 2.4

summarizes the AR2-3 performance and dimensions [14].
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Figure 2.10: X-37 Orbital Test Vehicle, credit US Air Force [9]

Table 2.4: Key Performance Parameters for the AR2-3 Rocket Engine [14]

Parameter Value

Vacuum Specific Impulse (s) 246.0

Vacuum Thrust (I1bf) 6600
Thrust-to-Weight Ratio 29.3
Outer Radius (in) 10.0
Length (in) 32.0
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Figure 2.11: Rear View of X-37 including the AR2-3 Engine, credit US Air Force [10]

2.3 The Dual-Expander Aerospike Nozzle Upper Stage Engine

The focus of this research is the design and evaluation of a new liquid hydrogen/liquid
oxygen upper stage rocket engine being studied at the Air Force Institute of Technology.
This new engine is the Dual-Expander Aerospike Nozzle (DEAN). The DEAN is named
after its two key design choices, the use of two separate expander cycles and an aerospike
nozzle. This section covers the DEAN’s architecture, research history pertaining to its key
design choices, and AFIT’s research and design work on the DEAN.

2.3.1 DEAN Architecture.

The DEAN architecture, shown in Figure 2.12, uses two novel design choices. The
first is the use of separate expander cycles for the fuel and the oxidizer. In a traditional
expander cycle, the fuel is pumped through a cooling jacket for the chamber and nozzle.
The heat picked up by the fuel from cooling the chamber and nozzle is then used to drive
the turbine that runs both the fuel and oxidizer pumps before the fuel is introduced into the
chamber [5]. In the DEAN, the fuel and oxidizer each drive their own turbines to power
their own pumps.

The second novel design choice of the DEAN is the use of an aerospike, or plug,

nozzle. Aerospike nozzles run through the middle of the rocket’s propellant flow and up
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into the chamber, leaving the ambient atmosphere to form the outer boundary for the flow.
The interaction with the ambient atmosphere gives aerospike nozzles automatic altitude
compensation, making them more efficient over a range of altitudes. Similar bell nozzles
operate most efficiently at their specific design altitude [24]. In the DEAN, the use of an
aerospike nozzle provides a second, physically separate cooling loop from the chamber for

use in the fuel expander cycle.
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Figure 2.12: DEAN Architecture, credit J. Hall (unpublished)

The DEAN’s unique architecture offers a number of advantages. The second cooling
loop increases the surface area inside the chamber, transferring greater energy to the
propellants and in turn providing more power to the turbines, providing for correspondingly
increased power to the pumps and in turn increased chamber pressure. The increased

chamber pressure leads to engine performance improvements when compared to traditional
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expander cycle engines such as the RL10. This improved performance leads to smaller
engines for similar levels of thrust and specific impulse in terms of both weight and
physical dimensions. The separate expander cycles also ensure the fuel and oxidizer
remain physically separated until entering the combustion chamber, eliminating one of
the more catastrophic failure modes in traditional expander cycles, namely failure of an
inter-propellant-seal. The DEAN architecture is also a forerunner to a similar boost stage
architecture, where the aerospike nozzle’s global performance could result in even greater
performance gains [2, 25-27].

The DEAN architecture is not without its challenges, though. The LOX cycle requires
a turbine material able to withstand an oxygen environment. Material studies at AFIT have
shown Inconel 718 provides both satisfactory oxygen resistance and suitable mechanical
performance for use in both the pump and the turbine in the LOX cycle [26, 27]. Also,
the expansion ratio of aerospike nozzles is limited to the ratio of the area of the chamber
at the throat to the throat area [24]. Due to this limit, aerospike nozzles generally need
larger chamber diameters to reach useful expansion ratios, potentially limiting the range
of engines which offer improved thrust-to-weight ratios while also delivering the required
specific impulse.

2.3.2 Research History of Core Technologies.

This section covers the research history of the two key features of the DEAN
architecture. First it covers dual-expander research, both dual fuel based cycles and the
cycles using separate expander cycles for the two propellants like the DEAN. Second, it
reviews the history and testing of aerospike nozzles from the 1950s to he present.

2.3.2.1 Dual-Expander Cycles.

Two separate meanings of dual-expander cycle show up in the literature. The first,

and more prevalent meaning is also called the Dual-Fuel/Dual-Expander cycle (DF/DX).

Research into the DF/DX engine cycle was conducted in the late 1980s and early 1990s
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to develop an engine for use in Single-Stage-to-Orbit launch vehicles. The DF/DX cycle
utilizes a dense hydrocarbon fuel, such as RP-1, and liquid hydrogen with liquid oxygen
in a dual chamber/dual nozzle configuration. The pervasive dual nature of the engine cycle
allows the engine to run with a mix of fuels for low altitude operations during launch,
making use of the higher density fuel early in the the flight, and transitioning to pure liquid
hydrogen at higher altitudes and in orbit for its high specific impulse. Research showed
engines utilizing this cycle to be significantly smaller and lighter than comparable engines
utilizing traditional cycles. It should be noted, the DF/DX cycle utilizes preburners to drive
its turbines, and is not related to the traditional expander cycle [40—43].

The second, and less prevalent meaning of dual-expander in the literature is that of
the DEAN, namely the operation of separate expander cycles for the fuel and oxidizer.
Research into this cycle shows chamber pressures as high as 2000 - 3000 psia are possible
with the dual-expander cycle, which are significantly higher than traditional expander
cycles. Aerojet TechSystems used cooling channels in both the chamber and the nozzle
to drive the fuel cycle and cooling channels in chamber to drive the oxidizer cycle in their
proposed dual-expander cycle engine. Aeroject’s proposed engine had a vacuum thrust
of 3750 1bf, and would be grouped into a cluster of four engines to meet the 15,000 Ibf
vacuum thrust requirement of the Orbital Transfer Vehicle. As part of the research into
this engine, Aerojet built and tested a complete oxygen turbine/pump assembly built out
of Monel, a nickel/copper alloy used in high performance aerospace applications. The
successful testing of this turbine/pump assembly conducted at Aerojet demonstrated the
feasibility of building and operating a liquid oxygen expander cycle [44].

2.3.2.2 Aerospike Nozzles.

Rocketdyne is credited with developing the aerospike nozzle concept in the 1950s

[45, 46], and while the aerospike nozzle has not been used in an operational propulsion

system, there are numerous publications in the literature covering the performance, design,
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and testing of aerospike nozzles. Research into the performance of aerospike nozzles dates
back to the 1950s and continues to this day. NASA research has included investigations
into the effect of design parameters including base bleed, nozzle area ratio, and plug length
on performance. Results from this research indicate a small base bleed (no more than
1% of total mass flow) can offer significant performance gains [47]. Research at the
California State University at Long Beach (CSULB) is investigating the affect of nozzle
truncation on aerospike performance. The CSULB researchers developed Computational
Fluid Dynamics (CFD) models of full length and 20% truncated aerospike nozzles. Their
findings indicate there is a negligible difference (0.2%) in thrust between the full length and
20% truncated aerospike nozzles, which would favor the lighter truncated design. Note, the
CSULB research did not address the specific impulse of the two nozzles [46].

Much of the research into the design of aerospike nozzles has focused on means
of determining the nozzle contour. As early as 1964, Gianfranco Angelino proposed
an approximation method to calculate the contour of two-dimensional and axisymmetric
aerospike nozzles. His approximation is based on an assumption of linear characteristic
lines with constant properties and a choked (or sonic) throat [48]. Modern computer codes,
such as Software Engineering Associates’ Two-Dimensional Kinetics (TDK) implement
the Method of Characteristics (MoC) to calculate the contour of aerospike nozzles. TDK
can also calculate the nozzle’s performance in the same analysis run, making it a powerful
tool in aerospike modeling [49]. Research in 2001 at the Beijing University of Aeronautics
and Astronautics looked at designing aerospike nozzle contours by optimizing the total
impulse over the entire proposed trajectory. Their findings indicate this approach not only
delivers improved average performance, but also improved performance over bell nozzles
at low and high altitudes [50] In recent years, California Polytechnic State University has
developed its own software to determine the contour of a minimum length aerospike nozzle.

Their software requires three parameters: the pressure ratio between the chamber and
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ambient conditions (or Nozzle Pressure Ratio), the ratio of specific heats, and the ambient
pressure. Unlike some other techniques, this software does not require the specification of
the upstream geometry to calculate the aerospike nozzle’s contour [51].

Research tests of aerospike nozzles have led to the development and testing of four
aerospike engines, two of which have been flown on experimental sounding rockets. The
earliest aerospike engine, the liquid hydrogen/liquid oxygen J-2T (Figure 2.13(a)), was
developed by Pratt and Whitney Rocketdyne in the 1960s. As the name implies, the J-2T
was a modified Saturn V J-2 upper stage engine. The goal of this program was to compare
the performance of the aerospike nozzle with the existing bell nozzle on the production J-2
engine. The J-2T was not flown on any missions, but it was fired on a Pratt and Whitney
Rocketdyne test stand [52]. The next aerospike engine to be built was developed in the
1990s in support of NASA’s X-33 single-stage-to-orbit launch vehicle. As with the J-2T, the
X-33’s XRS-2200 linear aerospike engine (Figure 2.13(b)) ran on liquid hydrogen/liquid
oxygen, and was only operated on a test stand [53].

Two experimental sounding rockets have been used for flight testing of aerospike
nozzles. One, the Optimal 168, was a solid fueled rocket developed as part of a joint
research program between NASA, the U.S. Air Force, Blacksky Corporation, and Cesaroni
Technology/Cesaroni Aerospace. This research effort included developing two sister
sounding rockets, one with a conical nozzle and one with an aerospike nozzle to compare
the performance of the two nozzles. Flight tests of the Optimal 168 provided the first set of
transonic flight data for aerospike rockets, but did not provide the anticipated comparison
between the two nozzles as the chamber pressures and thrusts for the aerospike nozzle
were lower than predicted. The authors concluded this discrepancy was caused by a larger
than designed throat area in the aerospike nozzle [54]. The second sounding rocket to test
aerospike nozzles, Garvey Spacecraft Corporation’s (GSC) Prospector-2B (Figure 2.13(c)),

included the first liquid propellant aerospike engine to be flown. The Prospector-2B was
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powered by a pressure fed ethanol/liquid oxygen ablative cooled engine, and produced 1000
1bf of thrust at sea level. GSC flew the Prospector-2B twice to demonstrate the feasibility of
their design. GSC continued their development program by working on a high-expansion

ratio aerospike engine for use in a Nanosat Launch Vehicle (NLV) [55, 56].

(a) J2-T Test Fire, credit Boe- (b) XRS-2200 Test Fire, credit (c) Prospector 2 Aerospike En-

ing/Rocketdyne [57] NASA MSEFEC [58] gine, credit Kim Garvey [59]

Figure 2.13: Example Aerospike Engines

2.3.3 DEAN Research History.

The research presented here builds on four generations of previous DEAN models.
All four generations use NPSS to implement their cycle model. Three of the four
previous DEAN models extend the cycle model by embedding it in a system level engine
model built in Phoenix Integration’s ModelCenter. ModelCenter is a multidisciplinary
modeling environment used to study the trade space of a design and optimize that design.
ModelCenter can combine analyses developed in a variety of tools including MATLAB,
Mathcad, Excel, and command line executables into a single system level model [60]. The
system level DEAN simulation automates a parameterized version of the cycle model and
connects it to additional analyses to estimate the DEAN’s weight and geometry in order to

compute the DEAN’s physical dimensions and thrust-to-weight ratio.
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The first generation research focused on developing the initial cycle model of the
DEAN for a single design point. The second generation research implemented parametric
modeling of the DEAN by refactoring the cycle model and integrating it into the first
system level model. The third generation research extended the system model to include
additional calculations such as structural sizing, nozzle contour, and engine weight. Finally,
a parallel research effort was conducted to determine the feasibility of developing a DEAN
fueled with methane in place of liquid hydrogen. The following subsections summarize the
methodology and results of these research efforts.

2.3.3.1 First Generation DEAN.

From 2007 to 2008, AFIT researched the DEAN architecture in a series of three
projects. The initial performance goals for the DEAN were a vacuum thrust of 50,000 Ibf,
a vacuum specific impulse of 464 s, and a thrust-to-weight ratio of 106.5. The first project,
conducted by D. Martin, demonstrated the feasibility of the DEAN’s over all engine cycle
by developing the initial cycle model. This first cycle model was hard coded for a single
design. The remaining two projects, conducted by A. Arguello and W. Strain, verified
the performance of the individual expander cycles for Martin’s design using Pumpal and
RITAL, industry standard pump and turbine design software respectively [2, 25, 26].

Martin focused his work on the design and modeling of the chamber, cooling jackets,
and nozzle. His design process began by making initial estimates for three key properties
of the DEAN: the oxidizer-to-fuel ratio (7.0), the expansion ratio (125), and the chamber
pressure (1740 psia). Martin selected these initial values to maximize the vacuum specific
impulse, using the RL10 as a guide. Based on these values, Martin then calculated an
estimated mass flow and sized the chamber, nozzle, and cooling channels. The inputs
Martin chose for the chamber were its radius, length, and the contour of the chamber’s
outer and inner walls. The outputs for the chamber design were the chamber pressure and

temperature. The inputs Martin chose for the nozzle were the throat area, the expansion
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ratio, and its length. The outputs for the nozzle were the vacuum thrust and vacuum specific
impulse [2].

For the cooling channels, Martin elected to use milled channels over tubular
channels. His research indicated the milled channels offered both superior performance
and manufacturability. The aspect ratio of the cooling channels was not constant along
the length of the engine. Instead, the aspect ratio was varied according to cooling priority.
Near the throat, the aspect ratio is relatively low to provide maximum heat transfer, while
the aspect ratio is higher toward the end of the cooling channels to keep the flow subsonic.
The outputs for the cooling channels were the heat flow and the fluid Mach number [2].

Arguello and Strain studied the DEAN’s two expander cycles by modeling the
turbopumps in Pumpal/RITAL. These turbopump modules agreed well with Martin’s cycle
model. For example, the liquid hydrogen pump module showed the required power of the
first pump is 2523 HP (less than 1% difference from the value calculated in the cycle model)
and the required power of the second pump is 1079 HP (approximately 3% difference from
the cycle model). Further, the liquid hydrogen pump’s pressure exiting the second pump
stage is 4050 psia versus 4000 psia in the cycle model (approximately 1% diftference) [25].
The liquid oxygen pump module showed similar agreement. For example, the results for the
liquid oxygen pump showed the required power is 2215 HP (approximately 12% difference
from the cycle model) and the pressure generated by the liquid oxygen pump is 4600 psia
versus 4500 psia in the cycle model (approximately 2% difference) [26].

Martin’s final design, shown in Figure 2.15(a), exceeded the design goals. The DEAN
model produced a vacuum thrust of over 57,000 Ibf (+14%) and a vacuum specific impulse
of more than 472 s (+1.8%). The predicted thrust-to-weight ratio was 119, beating the
design goal by almost 12%, and engine length was 38 in, 61% shorter than the RL10B-2

[2]. Further, the results of the combined efforts of Martin, Arguello, and Strain confirmed
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the feasibility of the DEAN and verified the expander cycles in Martin’s NPSS model of
the DEAN.
2.3.3.2 Second Generation DEAN.

The second generation research focused on the development of the first system level
DEAN model, shown in Figure 2.14. The DEAN model employed parametric modeling
techniques, modified design variables, and a simplified nozzle geometry. The pressure
ratios of the pumps were replaced as inputs with the total mass flow and the oxidizer-to-
fuel ratio. The DEAN geometry was determined from the chamber’s inner and outer radii
and the chamber length parametrization. The assumption of an expansion ratio of 125 was

maintained in this model [27].
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Figure 2.14: Second Generation DEAN Model

The new DEAN model was then used to run parametric studies over the chamber
geometry and propellant flow using the chamber length and radii, total mass flow, and

oxidizer-to-fuel ratio as design variables. While parametric studies over total mass flow and
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the oxidizer-to-fuel ratio yielded a large number of valid designs, parametric studies over
chamber geometry were less successful. Only studies over the chamber length produced
significant numbers of valid designs. Attempting to vary the chamber’s radii resulted in
computational errors in the cycle model. In total, the completed parametric studies yielded
more than one hundred new designs in the DEAN trade space, further demonstrating the
feasibility of the DEAN architecture [27].

The results of the parametric studies were then used to scale down the DEAN design to
more closely match the original design goals. The resulting design had a vacuum thrust of
50,900 1bf and a vacuum specific impulse of 489 s, while being 25% shorter in total length
and reducing the size of the turbomachinery by reducing the total mass flow. Figure 2.15
compares the original DEAN geometry with the scaled DEAN [27].

This research both expanded the DEAN trade space and demonstrated the power
of combining engine cycle models with parametric modeling in the development of new
liquid rocket engines. The expanded trade space resulted in a significantly improved
design for the DEAN. Further, finding such an improved design using basic parametric
modeling capabilities showcased the power of parametric modeling in rocket engine design
[27]. Chapter 3 covers the research in more detail, and also appears as an article in the
March/April 2011 volume of the AIAA Journal of Spacecraft and Rockets [27].

2.3.3.3 Third Generation DEAN.

Hall built upon the initial system level model in the second generation DEAN to
perform a detailed estimation of the DEAN’s performance, weight, and geometry. Hall
continued to work towards the original design goals of 50,000 Ibf vacuum thrust, 464
s vacuum specific impulse, and a thrust-to-weight ratio of 106.5. The third generation
DEAN includes a number of new analysis codes including a custom implementation of the

aerospike’s geometry, NASA’s Chemical Equilibrium with Applications (CEA) to estimate
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chamber properties for analyses, executed before the cycle model, and Two Dimensional
Kinetics (TDK) to improve the model’s performance estimates [4].

Hall’s research noted the assumed expansion ratio did not match the DEAN geometry.
As discussed in Section 2.1.2, the expansion ratio of an aerospike nozzle is limited by
the area of the chamber at the throat. Additionally, the length of an aerospike nozzle
is directly related to its expansion ratio [24]. Previous DEAN research efforts simply
assumed an expansion ratio of 125 and a similarly assumed nozzle length. Hall updated the
nozzle module to calculate the expansion ratio from the outer throat radius and throat area,
significantly reducing the vacuum specific impulse. Hall ran a number of trade studies
in search of designs to improve the vacuum specific impulse result. However, the third
generation DEAN model was unstable during studies varying the chamber radii, making it
difficult to improve the expansion ratio and in turn the vacuum specific impulse [4].

Hall used the updated DEAN system level model for verification studies showing the
underlying cycle model provides reliable results. An initial survey into the component
materials to be used to construct the DEAN was necessary to estimate the thrust-to-weight
ratio of the engine for the third generation’s final design. The survey results conclude the
chamber should use silicon carbide for its cooling jacket and aluminum 7075 T6 for its
structural jacket. The aerospike nozzle would best benefit from being fabricated from a
single material, oxygen-free copper (C10100) [4].

The third generation research produced a final design with a vacuum thrust of 50,000
Ibf, 430 s vacuum specific impulse, and a thrust-to-weight ratio of 142 (27 inch envelope).
This design exceeds the required thrust-to-weight ratio and delivers the required vacuum
thrust; however, it falls far short of the desired vacuum specific impulse. These results
highlight the need for a parametrization of the DEAN geometry enabling the model to

run over a wider range of expansion ratios. Additionally, exposing more turbomachinery
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variables to the ModelCenter environment will allow for the execution of trade studies over

turbine efficiencies and shaft speeds [4].

(a) First Generation DEAN Ge- (b) Second Generation DEAN (c) Third Generation DEAN Ge-

ometry Geometry ometry

Figure 2.15: Comparison of First, Second, and Third Generation DEAN Geometry

2.3.3.4 Methane DEAN.

From 2011 to 2012, AFIT conducted a parallel line of research to explore the
feasibility of a methane powered DEAN engine. This research was carried out by M.
Moen. The focus of Moen’s work was to adapt the cycle model to utilize methane as the
fuel in place of liquid hydrogen. Adjusting for the different performance characteristics
of methane versus liquid hydrogen and changes in research goals at the US Air Force led
Moen to target a different design goal with the Methane DEAN. This new design goal was
to develop an engine with 25,000 Ibf vacuum thrust, 383.0 s vacuum specific impulse, and
a thrust-to-weight ratio of 108.0. In addition to implementing the required changes to the
cycle model to support methane as a fuel, Moen also utilized a number of improvements
to the system level model developed by the author based on Hall’s recommendations from
the third generation DEAN, research demonstrating their utility and function [61].

Moen’s research resulted in a design delivering 25,000 lbf vacuum thrust with a
vacuum specific impulse of 349.3 s and a thrust-to-weight ratio of 120.7 in a 23 inch long
engine. As with previous DEAN research, the initial Methane DEAN design exceeds the

thrust-to-weight ratio requirement while falling short of the specific impulse requirement.
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Similarly, the Methane DEAN’s physical dimensions are also much smaller than traditional
upper stage engines. Moen completed his study of the Methane DEAN by conducting a first
order comparison of stage sizes and payload capacities between the Methane DEAN and
traditional upper stages engines. As expected, he found the shortfall in specific impulse
was not completely accounted for by the excess in thrust-to-weight or the compact size of

the Methane DEAN [61].

2.4 Engineering Optimization

This section covers a number of topics concerning engineering optimization. It opens
with essential terminology used to define and discuss engineering optimization problems.
The section continues with a discussion of how optimization problems are formally defined.
Finally, the section closes with a review of optimization algorithms used in this research.

2.4.1 Optimization Terminology.

Engineering optimization is the process of finding designs with the minimum “costs”
or the maximum “benefits” subject to technical and business limitations. The formal
application of optimization to engineering problems seeks to minimize or maximize a
function describing one or more aspects of the system being designed. This function is
called the objective of the optimization problem and represents the criterion for selecting
the best design among the available designs. Optimization problems may have one
objective function or many. If the problem has only one objective function, it is said to
be a single objective problem. If the problem has more than objective, it is said to be a
multi-objective problem [62].

The parameters defining the design of a system fall into two categories. Those
parameters that can be set to fixed values during earlier stages of the design process are
called preassigned parameters. The remaining parameters are the design variables, so
called because they represent unknown values to be determined by the design process. The

objectives defined above are functions of the design variables. The design variables can
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be recorded as a vector with each element in the vector representing an individual design
variable. The n-dimensional space defined by treating the design vector as a coordinate
vector is the design space [62].

Optimization problems can be unconstrained or constrained. Unconstrained optimiza-
tion problems do not have any constraints placed on the results of the optimization. Con-
straints are additional functions of the design variables that must satisfy various equality or
inequality conditions for the design to be feasible. Constrained optimization problems are
problems with one or more constraints [62].

For multi-objective optimization problems with convex and competing objective
functions no single design will optimize all objectives simultaneously. Instead, these
problems yield a set of “optimal” designs called the Pareto optimum solution or Pareto
front. Each Pareto design is one such that to improve one of the objectives one or more
other objectives must be lessened [62].

2.4.2 Defining Optimization Problems.

Optimization problems are defined formally using mathematical expressions of the
objective(s), design variable(s), and constraint(s) (if present). Four examples will be
discussed below: an unconstrained single objective problem, an unconstrained multi-
objective problem, a constrained single objective problem, and a constrained multi-

objective problem.
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2.4.2.1 Unconstrained Single Objective Problem.

Equation (2.21) gives the prototype for an unconstrained single objective optimization
problem. The problem definition starts by stating to find the value for design vector X
which solves the optimization problem. The definition then defines whether to maximize
or minimize the objective function f(X) and proceeds to define the objective function

mathematically. Finally, the definition lists any bounds on the design vector if present

[62].
X1
X2

Find X = which minimizes
'xl’l

f(X) = objective definition
where

X = design vector bounds

(2.21)
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2.4.2.2 Unconstrained Multi-Objective Problem.

Equation (2.22) gives the prototype for an unconstrained multi-objective optimization
problem. The definition is similar to the one for a single objective problem shown
in Equation (2.21). The key difference is the inclusion of multiple objective function
definitions fi(X) through f,(X). An alternative form of multi-objective problem definitions
replaces the list of objective functions with a new, single objective function constructed

as the weighted average of the individual objective functions as shown in Equation (2.23)

[62].
X1
X2

Find X = which minimizes
Xn

f1(X) = objective 1 definition

f>(X) = objective 2 definition

f»(X) = objective n definition
where

X = design vector bounds

(2.22)

JX) = @ iX) + @2 o(X) + ... + @n fu(X) (2.23)
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2.4.2.3 Constrained Single Objective Problem.

Equation (2.24) gives the prototype for a constrained single objective optimization
problem. The definition begins with the same structure as the definition of an unconstrained
problem (Equation (2.21)). The inclusion of the constraints begins with the subject
to clause followed by the list of constraint functions (C(X) through C,(X)) and their
definitions. The constraint functions may be bound by inequalities (<, <, >, >, #) or

equalities (=). Notice the constraints, like the objective, are functions of the design vector

(X) [62].
X1
X2

Find X = which minimizes
X

f(X) = objective definition
where
X = design vector bounds
subject to
C(X) < Constraint 1 Value

C,(X) < Constraint 2 Value

C,(X) < Constraint n Value

(2.24)
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2.4.2.4 Constrained Multi-Objective Problem.
Equation (2.25) gives the prototype for a constrained multi-objective optimization
problem. It follows the same convention discussed above to add constraints to the multi-

objective problem definition shown in Equation (2.22) [62].

X1

X2
Find X = which minimizes

Xn
£1(X) = objective 1 definition

£>(X) = objective 2 definition

f»(X) = objective n definition
where
X = design vector bounds
subject to
C1(X) < Constraint 1 Value

C,(X) < Constraint 2 Value

C,(X) < Constraint n Value

(2.25)
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2.4.3 Optimization Algorithms.

Two major classes of optimization algorithms are used in this research: gradient
algorithms and genetic algorithms. Gradient optimization algorithms use the gradient of
the objective function and the constraints to guide the search for the optimal design. They
are suitable for use with single objective optimization problems using continuous design
variables. Gradient algorithms can be applied to multi-objective problems if they have
been defined using a single overall objective function like Equation (2.23). The gradient of
a function indicates the direction of steepest ascent. This property gives gradient methods
the ability to seek solutions to the optimization problem in the direction of greatest rate
of change toward the objective from the current design. However, the steepest ascent is
a local property of a function, so gradient optimization algorithms are subject to finding
local optimums. For smooth functions with no local optimums, gradient algorithms can be
efficient optimization tools as they can find optimal designs with a small number of function
evaluations. However, objective functions with local optimums which are not smooth are
generally not good candidates for use with gradient algorithms [60, 62].

Genetic optimization algorithms (GAs) apply the principles of natural selection to
engineering optimization. They are suitable for single or multi-objective optimization
problems using continuous, discreet, or a combination of continuous and discreet design
variables. The biological principles of reproduction, crossover, and mutation all play a role
in GAs. GAs operate on sets of designs called populations. Using multiple candidate
designs makes GAs less likely to become trapped in local optimums. In GAs, design
variables are represented as strings of binary variables. This representation correlates to
chromosomes in biology and facilitates the generation of subsequent generations using
“genetic” crossover between parents. The objective values are used to determine fitness

in the natural selection process implemented in GAs during the selection of the next

59



generation to intelligently and efficiently explore the trade space to find new generations

with improved values of the objective function(s) [60, 62].

2.5 Concluding Remarks

This chapter covered the engineering and technical material relevant to the research
presented in this work. The first section’s coverage of rocket powered propulsion included
essential rocket performance and design parameters used throughout the remainder of the
dissertation and reviewed traditional rocket engine cycles for comparison to the DEAN’s
architecture. The second section’s review of US space launch vehicles and demand for
improved rocket engines demonstrated the need for new rocket engine architectures like the
DEAN. The third section’s review of DEAN research history set the stage for the research
presented in the remainder of the dissertation. Lastly, the fourth section’s coverage of
engineering optimization reviewed terminology used in the final stages of this research

comparing optimized DEAN designs to traditional upper stage engines.
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III. Parametric Study of Dual-Expander Aerospike Nozzle Upper Stage Rocket

Engine

The text of this chapter was published in the AIAA Journal of Spacecraft and Rockets,
Vol. 48, No. 2, 2011. It is unaltered from the published version except in its formatting as

required by the AFIT dissertation style guide.

3.1 Introduction

The Air Force Institute of Technology (AFIT) is studying the dual-expander aerospike
nozzle (DEAN) rocket engine architecture to significantly improve upper stage rocket
performance. The specific performance goals of this research are to provide 50,000 1bf
vacuum thrust with a vacuum I, of 464 s. The DEAN, shown in Figure 3.1, is a liquid
hydrogen (LH2)/liquid oxygen (LOX) engine using separate expander cycles to pump the

fuel and oxidizer and an aerospike nozzle to improve efficiency.[2].

Figure 3.1: Original DEAN Geometry
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Previous work at AFIT by Masters student David Martin focused on developing
an initial design to demonstrate the feasibility of the DEAN architecture by building
a computational model using the Numerical Propulsion System Simulation (NPSS™)
software package. That work culminated in a design exceeding the requirements.[2] This
paper outlines the current work at AFIT to optimize the DEAN’s thrust-to-weight ratio
(T /W) by expanding Martin’s model through simplifying the calculations of the DEAN
geometry and adding parametric variables to the model to support automated trade studies
in ModelCenter™. The results of those trade studies indicate the DEAN can run at the
specified performance using a lower total mass flow and a significantly shorter engine than

the previous design.

3.2 Existing NPSS DEAN Model

The original NPSS DEAN model was prepared by David Martin as part of his masters
thesis at AFIT. This model uses NPSS elements to represent the pumps, turbines, pipes,
valves, chamber, nozzle, and cooling channels to accurately model the DEAN architecture.
The results of Martin’s analysis converge to a working design, validating the DEAN
concept. The DEAN thrust, I, and T/W exceed both its requirements and the performance

of the upper stage single-expander cycle based RL10A-3 as can be seen in Table 3.1.

Table 3.1: Existing DEAN Design Results versus Requirements

DEAN[2] Requirement[2] Delta RL10A-3[63] Delta

Vac Thrust (1bf) 57,231 50,000 +14.5% 16,500 +247%
Vac Iy, (s) 472 464 +1.7% 443 +6.5%
T/W 119 106 +12% 53 +124%

This excess in thrust performance suggests the the dual-expander cycle offers an

advantage in thrust over the single-expander cycle, and it indicates room to optimize
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the DEAN design further. Before discussing the changes made to Martin’s model[2],
necessary to facilitate this optimization, it is useful to review the key elements of the DEAN
architecture and Martin’s model.

3.2.1 Existing DEAN Architecture.

The DEAN uses two novel design choices. The first is the use of separate expander
cycles for the fuel and the oxidizer. In a traditional expander cycle, the fuel is pumped
through a cooling jacket for the chamber and nozzle. The heat picked up by the fuel from
cooling the chamber and nozzle is then used to drive the turbine that runs both the fuel and
oxidizer pumps, before the fuel is introduced into the chamber.[5]

Figure 3.2 shows the DEAN’s two separate expander cycles. The fuel loop is on the
left. Here, the LH2 flows from the fuel tank into the first fuel pump. Half of the liquid
hydrogen then flows through a bypass, while the remainder is fed into a second fuel pump.
This flow then continues into the aerospike nozzle, where it absorbs heat while cooling the
nozzle. The heated flow then drives the fuel turbine before joining with the bypass flow and
entering the combustion chamber through the injector. On the right is the oxidizer loop. In
this loop, the LOX flows from the oxidizer tank into the single oxidizer pump. This flow
then enters the cooling jacket for the combustion chamber, where it absorbs heat while
cooling the chamber. The heated oxygen then flows toward the oxidizer turbine, with a
small amount (roughly 10%) sent around the turbine using a bypass and the remainder used
to drive the turbine. Finally, the oxygen flows are joined before entering the combustion

chamber through an injector.[2]

The two separate expander cycles present benefits and challenges. Increased chamber
pressures and in turn engine performance can be obtained by separating the power demands
between two separate turbines driven by separate working fluids. The separate expander
cycles also ensure the fuel and oxidizer remain physically separated until entering the

combustion chamber, eliminating one of the more catastrophic failure modes in traditional
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Figure 3.2: DEAN Architecture

expander cycles, namely failure of an inter-propellant-seal.[2] However, the LOX cycle
requires a turbine material which will work well in an oxygen environment. Additional
research at AFIT showed that Inconel 718 provides both satisfactory oxygen resistance
and suitable mechanical performance for use in both the pump and the turbine in the LOX
cycle.[26]

The second novel design choice is the use of an aerospike, or plug, nozzle. Traditional
bell nozzles are optimized to perform at a single pressure or altitude. This optimization
makes them very efficient at their design point, but much less so for the remainder of the
flight. Aerospike nozzles on the other hand, due to their geometry, adapt their performance
to the current altitude. Even though aerospike nozzles perform less efficiently than bell

nozzles at the design altitude of a given bell nozzle, when considering the altitudes seen
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by a launch vehicle, the global performance of an aerospike nozzle exceeds the global
performance of a bell nozzle, making the aerospike nozzle an attractive design for launch
vehicles. More importantly for the DEAN the use of an aerospike nozzle provides a second,
physically separate cooling loop from the chamber for use in the second expander cycle.
This second cooling loop increases the surface area inside the chamber used to drive the
turbomachinery, providing for correspondingly increased power to the pumps and increased
chamber pressure, and in turn increased engine performance.[2] The aerospike nozzle is
also shorter and lighter than a traditional bell nozzle, leading to improved packaging and
T/W. Finally, the DEAN architecture is a forerunner to similar boost stage architecture,
where the aerospike nozzle’s global performance will result in even greater gains than in
an upper stage engine.

3.2.2 NPSS Model Details.

NPSS is a computer simulation tool for modeling aircraft and rocket engines. Engine
simulations built in NPSS provide higher fidelity results than engine cycle studies. NPSS
has been developed by the NASA Glenn Research Center, with assistance from the
aerospace propulsion industry. Models built in NPSS consist of a series of interconnected
software objects representing the components of the engine under consideration. The object
connections are made using NPSS Application Programming Interfaces modeling fluid
flows, mechanical connections, and thermal flows called “ports”. A built-in solver in NPSS
can then be used to drive the model design variables to balance the fluid flows, mechanical
connections, and thermal flows in the model and converge on a design point.[31]

Martin’s model[2] of the DEAN engine includes elements to simulate the various
components of the engine. The combustion chamber is modeled using a RocketCombl1
element which requires the chamber radius and volume. The RocketComb element also
includes ThermalOutputPorts to model heat exchange to the fuel and oxidizer. The

ThermalOutputPorts require the radius at the port’s location, the cross-sectional area
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of the combusting flow in the chamber, and the surface area of the portion of the
chamber in contact with the combusting flow. The model calculates the heat exchange
between the chamber walls for the oxidizer expander cycle and the internal portion of
the aerospike for the fuel expander cycle. The aerospike nozzle is modeled using a
RocketNozzle element which requires the throat area and the expansion ratio and includes
more ThermalOutputPorts for use in the heat exchange between the aerospike and the fuel
expander cycle.

The fuel and oxidizer tanks are modeled using Starter elements. The plumbing
connecting the engine components to the tanks and each other is modeled using Valve04
elements which require the cross-sectional area to model the pressure drop in the plumbing
and customized CoolingVolume elements which require the cross-sectional area and fluid
volume to model the heat loss in the lines. The cooling jackets around the combustion
chamber and the aerospike nozzle are modeled using using the ThermalOutputPorts in the
chamber and nozzle and the plumbing elements connected by Wall2 elements. The pumps
are modeled using customized Pump elements which require the efficiency, pressure ratio,
and mass flow of each pump. Finally, the turbines are modeled using customized Turbine
elements which require the efficiency, pressure ratio, mass flow and the cross-sectional area
of the flow.

While the cooling jackets in the DEAN are continuous volumes, the NPSS model
represents them as a series of eight discrete stations. Figure 3.3 shows the locations of
these stations in the model. The chamber (24 inches long in Martin’s design) consists of
five equally spaced sections, with stations (represented by stars) at the mid point of each
section plus a station at the throat of the rocket. Note that the oxidizer loop (the outer
wall of the chamber) and the fuel loop (the aerospike) are represented by separate sets of
stations. The external portion of the aerospike (14 inches long in Martin’s design) has two

additional stations in the first half of the nozzle that are only in the fuel loop.
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Figure 3.3: DEAN Geometry (dim in inches), credit D. Martin

NPSS models have four classes of variables: the dependent variables the NPSS solver
will ensure equal specified values, the independent variables the NPSS solver is free to
adjust as necessary to converge the design, component inputs read by the NPSS solver but
not altered by it, and component outputs calculated by the NPSS solver, but not driven
toward a particular value. Taken together, the NPSS dependent variables and component
inputs form the set of user specified design choices or design variables. The NPSS
independent variables and component outputs form the set of user specified responses or
response variables. In the previous model, the design variables include the user specified
dependent variables (the pressure ratios for the three pumps) and the component inputs
(for example the volume of the combustion chamber and the nozzle expansion ratio). The
response variables include the user specified independent variables (the efficiencies of the
first liquid hydrogen pump and of the liquid oxygen pump) and the component outputs
(for example the vacuum thrust and I;,). Table 3.2 summarizes the design and response

variables of the previous model.
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Table 3.2: Existing DEAN Design Point[2]

Design Variables Response Variables
LOX Pump PR (PR, ;ox) 103 Vac Thrust (F4.) 57,000 Ibf
LH2 Pump 1 PR (PR, 12.1) 45 Vac I, 472 s
LH2 Pump 2 PR (PR, 11122) 2 Mass Flow (7i7) 121 Ibm/s
LH2 Pump 2 Eff (17,.1#2,) 0.83 O/F 7.03
Chamber Length (/) 24 in Chamber Pres (P) 1739 psia
Outer Chamber Radius (7,) 6 in Chamber Temp (7)) 6586 R
Inner Chamber Radius (r,) 2in LOX Pump Eff (17, 10x) 0.66
Chamber Vol (V,) 2075 in® LOX Pump Power 2587 HP
Throat Area (A,) 15.9 in? LH2 Pump 1 Eff (17, 1#2.1) 0.67
Nozzle Length (1,,) 14 in LH2 Pump 1 Power 2527 HP
Expansion Ratio (€) 125 LH2 Pump 2 Power 1046 HP
LOX Turbine PR (PR, 10x) 1.82
LOX Turbine Eff (17, 10x) 0.949
LOX Turbine Power 2587 HP
LH?2 Turbine PR (PR, 1 x2) 1.84
LH2 Turbine Eff (17, 14) 0.9
LH2 Turbine Power 3573 HP
LOX Temp (T10x.) 179-617 R

LOX Pres (Prox.i) 3810-4500 psia

LOX Max Mach (Mmux,LOX) 0.56
LH2 Temp (Tpp2,) 145-610 R
LH2 Pres (PLHZ,I') 3670-4000 psia

LH2 Max Mach (M,,,4x.1.12) 0.67

68



Follow on research at AFIT focusing on designs for the LH2 and LOX pumps provides
verification for the NPSS model of the DEAN. In each design study, the respective expander
cycle is modeled using spreadsheet calculations, and Pumpal®/RITAL®. These additional
models agree well with the NPSS model. For example, the Pumpal model of the LH2
pumps shows the required power of the first pump is 2523 HP (less than 1% difference from
the NPSS value) and the required power of the second pump is 1079 HP (approximately
3% difference from the NPSS model). Further, the pressure coming out of the second pump
is 4050 psia versus 4000 psia in the NPSS model (approximately 1% difference).[25] The
LOX pump values show similar agreement. For example, the Pumpal model of the LOX
pump shows the required power is 2215 HP (approximately 12% difference from the NPSS
model) and the pressure coming out of the LOX pump is 4600 psia versus 4500 psia in the
NPSS model (approximately 2% difference).[26]

Given the importance of balancing the heat and mechanical flows in an expander cycle,
it is worth noting the performance of the turbomachinery in the existing DEAN design.
Naturally, the converged design point balances the power required by the pumps with that
provided by the turbines for each of the two expander cycles. And while the performance
of the turbomachinery may appear high when compared to RL10A which provides only
789 HP from its turbine, Pratt and Whitney built an LH2 expander cycle that produces
5900 HP as part of the an upper stage demonstrator engine.[25] This puts the LH2 cycle
well within demonstrated capability. As for the LOX cycle, research at AFIT has proposed
designs for the LOX pump and turbine which provide the required performance as a part of

this architecture.[26]

3.3 Parameteric NPSS DEAN Model
The goal of the current research at AFIT is to optimize the DEAN engine to provide the
maximum 7'/W while maintaining the required thrust and I, and not violating operational

limits for the materials and working fluids. The 7/W can be maximized by either increasing
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the thrust or decreasing the weight. Since the DEAN has a fixed thrust requirement,
the optimization problem can be restated as optimizing the DEAN engine to provide the
minimum weight, subject to the previously mentioned constraints. Identifying the design
variables driving the weight of the engine and updating the model to use those variables as
the design variables enables automated searching over the design trade space for optimal
designs.

The rocket engine chamber, nozzle, and turbomachinery are the elements used
to estimate the total mass (weight) of the rocket engine during conceptual design.
The chamber and nozzle masses are driven by their geometry and material, while the
turbomachinery masses are driven by their local mass flows[5]. The model previously
captured the geometry of the DEAN as hard-coded values, tying the model to a single
design point. Additionally, the model treated the mass flows as responses. In order to use
the model to optimize the design, the NPSS model must be altered to use the chamber and
nozzle geometries and the local mass flows to the turbomachinery as design variables. This
section details the modifications made to the previous model to convert it into a parametric
model based on the design variable needs and two changes made while the NPSS model
was being modified to reflect the most recent DEAN architecture being considered.

3.3.1 Updated DEAN Architecture.

Before modifying the DEAN model to support parametric trade studies, two
architecture changes were made to the fuel expander cycle to reflect refinements in the
design. Figure 3.4 shows this updated DEAN architecture. The first change was to remove
the liquid hydrogen bypass, feeding the cooling jacket for the aerospike with the full mass
flow of the liquid hydrogen instead of only half. The second change was to require the
two fuel pumps run at the same pressure ratio, to minimize the maximum pressure ratio

required for the fuel pumps.
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Figure 3.4: Updated DEAN Architecture

3.3.2 NPSS Model Details.

The modifications to convert the NPSS DEAN model into a parametric model
involved the chamber and nozzle geometry and the mass flows through the turbomachinery.
The system-level parameters chosen to drive the chamber and nozzle geometry are the
chamber length, the inner and outer chamber radii, and the shape of the nozzle. A
number of intermediate geometric values are determined by the shape of the nozzle. To
facilitate calculating these values, the geometry of the aerospike and cooling volumes were
simplified to linear approximations from their higher order calculations (the aerospike radii
are calculated using the method of characteristics[2]). Figure 3.5 compares the results of

these simplifications to the original geometry.
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(a) Martin’s Geometry for the DEAN

(b) Parametric Geometry with Simplified Aerospike

Figure 3.5: Comparison of Simplified Geometry to Martin’s Original Geometry

The calculations based on these simplifications include the radius of the aerospike

at each station, Equation (3.2); the combusted flow cross-sectional area, Equation (3.3);
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the surface area of the heat exchanges for the chamber, Equation (3.4), the aerospike
nozzle, Equation (3.5), and the cooling volumes, Equation (3.9); the cross-sectional area,
Equation (3.10) and volume of the fluid in the cooling volumes, Equation (3.11). These
values are calculated from the inner and outer radii of the chamber and the throat, the
chamber and aerospike lengths, the cooling channel half widths and half spacings, and

aspect ratios (ARs):

Mg = (ry; = 1¢,)/(0.6 * L) 3.1

Fei = T + Mppg % X % 1. (3.2)

Aftowi = 1% (12,1 = 12,)) (3.3)

Ape =2%mxr,, ;%1 3.4)

Appi = 705 (Fyj + i) * \/(rn,i + 1)+ I (3.5)
n = round(mw = r/ (Wi + a)) 3.6)

Wi = T0% F[Nehannels + @ (3.7)

h; =2 % w; % AR (3.8)

Apr,, =25 wixnxl; 3.9
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Api=2%w;xh;xn (3.10)

ch,i = Acv,i * I (311)

The system-level parameters chosen to drive the mass flows to the turbomachinery
are the oxidizer-to-fuel ratio (O/F) and total mass flow. These parameters also drive the
performance constraints of thrust and I,,. Equation (3.12)[5] determines the LOX mass
flow from these system-level parameters and Equation (3.13)[5] determines the LH2 mass
flow. In the original model, the O/F can only be controlled indirectly by changing the
pressure ratios of the pumps, leading to coupling effects appearing in the O/F plots. For
example, a parametric study, described in Table 3.3, varied the pressure ratio of the first

LH?2 pump.

O/F

; = ———— %y 3.12
mrox 1+O/F *m ( )
j - 1 j (3 13)

e — * .
mrm2 1 O/F m

Figure 3.6 shows the relationship between I;, and O/F for the DEAN based on this
parametric study. The peak I, is at an O/ F ratio of approximately 6. Ordinarily, this result
would be produced by a parametric study as a function of the independent variable, O/F,
implying the total mass flow was constant. Equation (3.14)[5], supports the conclusion
thrust versus O/F would follow the trend in Figure 3.6. However, Figure 3.7 shows a peak

at an O/F of 6, and then a rise toward another peak for O/F < 5.

I, = — (3.14)
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Table 3.3: Parametric Study over LH2 Pump 1 PR

Design Variables Response Variables
LOX Pump PR (PR, 1 ox) 103 Vac Thrust (F,,.) 49,500-60,000 1bf
LH2 Pump 1 PR (PR, 112,1) 30-60 Vac I, 416-491 s
LH2 Pump 2 PR (PR, 1 1125) 2 Mass Flow (1) 119-132 Ibmy/s
LH2 Pump 2 Eff (1, 1122) 0.83 O/F 4.2-11.3
Expansion Ratio (€) 125 Chamber Pres (Py) 1500-1940 psia
Chamber Temp (7)) 5000-6660 R

490 >

480 - : ) .

470 _— "

2 .* . .

440 [

430 .

20 ®

4 5 6 7 8 9 10 11 12

O/F Ratio (none)

Figure 3.6: I, vs O/F, Original NPSS Model

The deviation from the describing equations rests with the assumption of constant
total mass flow. Figure 3.8 is a three dimensional plot showing thrust vs both O/F and
total mass flow. The vertical axis is the thrust, the left axis is O/F, and the back axis is the

total mass flow. The starred point is O/F equals 6. The total mass flow has a sharp turn
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Figure 3.7: Thrust vs O/F, Original NPSS Model

as O/F decreases beyond that point, leading to the second increase in thrust as total mass
flow reaches its peak during the parametric study. To eliminate coupling effects like this
example, and an instability in the LH2 efficiencies, the user defined dependent variables
were changed to the total mass flow and an equation setting the two fuel pumps to the same
pressure ratio. The user defined independent variables were changed to the throat area, and
to the pressure ratios for all three pumps.

One final change was made to the NPSS model. In the model, the mass flow through
the oxidizer bypass was hard coded to a specific value, resulting in instabilities in the model
when the system mass flow or the O/F ratio changed. The oxidizer mass flow through the
bypass was set to be 10% of the oxidizer mass flow, and the mass flow to the oxidizer

turbine was set to 90%. These percentages were also made user configurable.
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Figure 3.8: Thrust vs O/F and Total Mass Flow, Original NPSS Model

3.4 System-Level DEAN Model

A system-level model of the DEAN engine was built around the parametric NPSS
model in order to run automated trade studies. This system-level DEAN model was
built in ModelCenter™. ModelCenter is a multidisciplinary modeling environment used
to study the trade space of a design and optimize that design. ModelCenter can combine
analyses developed in a variety of tools including MATLAB, Mathcad, Excel, command
line executables (for example) into a single system-level model. Users can then use the

built-in trade study and visualization tools to conduct sensitivity studies to gain insight into
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what aspects of the design are the key drivers influencing the desired results. ModelCenter
also provides a rich set of built-in optimization tools used to find values for the key drivers
optimizing the design for a given goal (such as minimizing the mass of the DEAN engine)
while ensuring constraints are not violated (such as maintaining the required thrust and I;,,).
These optimization tools include a gradient optimizer, a genetic optimizer called Darwin™,
and an optimizer that utilizes surrogate models of the design space during optimization

called DesignExplorer™.[64]

Value
2703.88
8771.42
1.138
0.12235
10.402
£8081.1
478

<+ LOX_Mach Max 0.38101

-+ LH2_ Mach Max 0.87289

Figure 3.9: System-level Model of DEAN

78



Figure 3.9 shows the system-level DEAN model in the ModelCenter interface. The
model consists of six components and two data display elements. Table 3.4 summarizes

these components.

Table 3.4: System-level DEAN Model Components

Label Name Description
1 DesignVariables a component storing the system-level design variables
2 CalculateGeometry  a script component calculating the geometry parameters

for the DEAN model from the design variables

3 DEAN the parametric NPSS DEAN model imported into the
ModelCenter framework using the embedded Quick-
Wrap tool

4 Converger a direct substitution convergence loop used to converge
the guessed throat area to the calculated throat area

5 Geometry a collection of geometry primitives (surfaces of revolu-
tion and an arrow) and a script component to render the
live view of the DEAN geometry seen in (8)

6 Machs a script component that uses polynomial interpolation to
calculate the Mach numbers for the LOX and LH2 fluid
flows in the cooling volumes

7 Data Monitor a built-in ModelCenter component set to display the key
performance values from the DEAN model

8 Geometry Rendering a live preview of the DEAN geometry based on the

geometry components in (5)
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The first four components in the DEAN system-level model are used to run the DEAN
NPSS model. The first component stores the system-level design variables. They are the
total mass flow, the O/F ratio, the inner chamber radius, the outer chamber radius, the
chamber length, and a guessed value for the throat area. The second component calculates
the nozzle radius using Equation (3.3), nozzle length based on the slope of the aerospike
nozzle, and the chamber volume using volume equations for cylinders and cones from the
design variables. The third component runs the NPSS DEAN model using the values of
the design variables and the values calculated in the CalculateGeometry component. Since
the throat area is an independent variable in the NPSS model, the NPSS solver may select
a value that does not match the guessed value. If the model chooses such a value, the
geometry values calculated from the guessed throat area (specifically the nozzle radius and
cooling volume sizes) are incorrect. The fourth component addresses this problem using a
direct substitution iteration solver. The solver directs the system-level model to be run in a
loop, substituting the NPSS calculated throat area for the guessed throat area, until the two
are the same value, closing the design.

The remaining two components in the DEAN system-level model are used for post
processing the DEAN NPSS model. The fifth component is actually four components
that are part of a ModelCenter assembly component. ModelCenter assembly components
allow model developers to group related components together to simplify the display and
management of the model. Three of the four sub-components in the geometry component
are built-in ModelCenter geometry primitives: two surfaces of revolution to render the
chamber in blue and the aerospike in red, and a twelve inch long arrow to provide a scale
for the DEAN geometry. The final sub-component is a ModelCenter script component
transforming the output from the DEAN NPSS model into geometry strings that define the

curves for the surface of revolution components.
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The last analysis component calculates the Mach numbers for the LOX and LH2 fluid
flows in the cooling volumes. These values are critical constraints on the engine design,
as the flows cannot be allowed to reach sonic conditions. Previous constraints for these
values were a maximum Mach in the LOX flows of 0.6, and a maximum Mach in the
LH2 flows of 0.9[2]. Martin calculated the Mach numbers at each station by looking
up the speed of sound for the fluids in the Thermophysical Properties of Fluid Systems
online handbook (http://webbook.nist.gov/chemistry/fluid/)[65] from the National Institute
of Standards and Technology, based on the fluid temperatures and pressures. The Machs
component automates this process by using third order polynomials to interpolate the
speed of sound for LOX and LH2 over the temperature and pressure ranges seen in the
DEAN model. Table 3.5 summarizes the Design of Experiments (DOE) trade study used

to establish these ranges.

To create the interpolation polynomials, a set of isothermal speed-of-sound versus
pressure tables for both oxygen and hydrogen were downloaded from the Thermophysical
Properties of Fluid Systems online handbook. Table 3.6 shows the temperatures and
pressures selected for these tables. Note, the LH2 pressure range was truncated after

determining pressures above 7200 psia represented designs no longer being considered.
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Table 3.5: Design of Experiments over O/F, Total Mass Flow, and Chamber Length

Design Variables Response Variables

O/F 5.5-7.5 Vac Thrust (F,,.) 39,700-69,500 Ibf
Mass Flow (1) 85-140 lIbm/s Vac Iy, 466-499 s
Chamber Length (/) 22-30 in Chamber Pres (Py) 1798-3243 psia
Outer Chamber Radius (r,,) 6in Chamber Temp (7)) 6130-6850 R
Inner Chamber Radius (r,) 2in Throat Area (A;) 7.2-17.5 in?
Expansion Ratio (€) 125 Nozzle Length (/,) 13.7-14.8 in
LOX Bypass (%) 90 Chamber Vol (V,) 1810-2480 in®
LOX Pump Eff (17, 10x) 0.773 LOX Temps (T10x) 162-886R
LOX Turbine Eff (1; 10x) 0.949 LOX Pres (prox) 2865-5864 psia
LH2 Pump 1 Eff (7,,212.1) 0.8 LH2 Temps (T1x) 73-634R
LH2 Pump 2 Eff (7, 1r22) 0.83 LH2 Pres (pry2) 3220-10,750 psia
LH2 Pump Eff (17, .112) 0.9
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Table 3.6: Data Ranges for Speed of Sound Tables

Fluid Temperatures (R) Pressure Range (psia),

step size = 100 psia

LOX 150, 275, 400, 525, 650, 775, 900 2800-6000
LH2 70, 165, 260, 355, 450, 545, 640 3200-7200

The speed-of-sound tables were then imported into ModelCenter for surface fitting
using the Data Import Plug-In. The interpolation polynomials were then created by running
a cubic fit to the data in ModelCenter’s Response Surface Modeling Toolkit (RSM Toolkit).
Equation (3.15) shows the polynomial generated for the speed of sound in LOX and
Equation (3.16) shows the polynomial generated for the speed of sound in LH2. Both
equations are good fits to the data as can be seen from their adjusted R? values and a
graphical comparison to the results from the earlier design. Equation (3.15) has an adjusted
R? value of 0.995 and Equation (3.16) has an adjusted R? value of 0.988. Figure 3.10 shows
that Mach numbers calculated from both equations also compare favorably to results from

the earlier design of the DEAN.

arox; = 6009.519 — 25.08448T; + 0.05203138p; + 0.037257127T7 (3.15)

+0.0004540472T;p; — 1.669077 % 107°T} — 5.292126  10™ p,T?

arm; = 4014.306 — 15.031067; + 0.7100687 p; + 0.04704292T"7 (3.16)
~2.660187 % 107% p? — 0.00093309697; p;

-3.34523 % 1077 + 4.862856 + 10T, p?

i
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Figure 3.10: Comparison of Fluid Mach Number Calculations
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3.5 Results and Analysis

The analysis of the system-level DEAN model took place in two phases. First,
parametric studies were run over the chamber length, the O/ F ratio, and the total mass flow
to establish the boundaries of the design trade space. The results of the parametric studies

were then used to scale the original DEAN design to more closely match the performance

goals.

3.5.1 Parametric Studies.

Table 3.7 summarizes the first parametric study of the DEAN system-level model,
which varied the O/F ratio from 5.5 to 7.5. [Initial results from this trade study are
promising. The plot of I, versus O/F in Figure 3.11 shows the peak I;, occurs at an

O/ F ratio of approximately 6, just as in the previous study shown in Figure 3.6.
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Figure 3.11: I, vs O/F Ratio, System-level Model
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Table 3.7: Parametric Study over O/F

Design Variables Response Variables

O/F 5.5-7.5 Vac Thrust (F,,.) 56,700-60,000 1bf

Mass Flow (1) 121.25 Ibm/s Vac I, 468-495 s

Chamber Length (/) 24 in Chamber Pres (Py) 2135-2415 psia
Outer Chamber Radius (r,,) 6 in Chamber Temp (7)) 6180-6705 R
Inner Chamber Radius (r,) 2in Throat Area (A;) 12.1-12.8 in?
Expansion Ratio (€) 125 Nozzle Length (/) 14.2-14.3 in
LOX Bypass (%) 90 Chamber Vol (V,) 1576-1579 in®
LOX Pump Eff (17, 10x) 0.773 LOX Temp (T10x) 166-657R
LOX Turbine Eff (1; 10x) 0.949 LOX Pres (prox) 3860-4380 psia
LH2 Pump 1 Eff (17, 102.1) 0.8 Max LOX Mach 0.40-0.41
LH2 Pump 2 Eff 7, 1m2.2) 0.83  LH2 Temp (T12) 85-436R
LH2 Pump Eff (17, 1#2) 0.9 LH2 Pres (pru2) 4590-8340 psia

Max LH2 Mach

0.99-1.20

However, the max LH2 Mach numbers exceed the constraint value established by
Martin across the entire parametric study, as can be seen Figure 3.12. A review of the LH2
Mach numbers at all of the stations reveals the Mach numbers are within acceptable limits
for nozzle radii greater than 3.3 in. To test this conclusion, the inner chamber radius was
increased from 2.0 in to 3.3 in. However, the NPSS model could not converge because some
of the LH2 cooling volumes had become too large. Addressing this result, several cooling
volume aspect ratio calculations were adjusted until the model converged. As expected, the
maximum LH2 Mach number for this new design fell within the constraint value of 0.9.

Running the parametric study with the adjusted aspect ratios resulted in maximum LH2
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Mach numbers between 0.81 and 0.88, enabling continued exploration of the DEAN trade

space.
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Figure 3.12: Fluid Mach Numbers vs O/F Ratio, System-level Model

Figure 3.13 is the plot of Iy, versus O/F ratio for the updated inner chamber radius.
The added detail in this plot shows the O/F ratio for max I, is between 5.9 and 6.1,
higher than might be expected just based on the O/F ratio, given the RL10 upper stage
engine runs at an O/F ratio of 5.0[5]. However, while the total mass flow and most of the
geometric parameters are constant in Figure 3.13, the chamber pressure and temperature
are not. Figure 3.14 shows how chamber pressure varies with O/F and Figure 3.15 shows
how the chamber temperature varies with O/F. The chamber pressures seen in Figure 3.14
range from 2625 psia to 2875 psia. These values are considerably higher than the 640 psia

of the RL10B-2[5], or even the practical limits of a single expander cycle LOX/LH2 engine,
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which Krach and Sutton determined to be between 1375 psia and 2300 psia[66]. This

dramatic difference in chamber pressures suggests higher chamber pressures are possible

with the dual-expander cycle of the DEAN architecture than with single expander cycles.
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Figure 3.13: Detailed I, vs O/F Ratio, System-level Model
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Figure 3.14: Detailed Chamber Pressure vs O/F Ratio, System-level Model
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Figure 3.15: Detailed Chamber Temperature vs O/F Ratio, System-level Model
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Figure 3.16 uses a three dimensional plot with varying colors on the data points to
present all four of these variables, I,,, O/F, chamber pressure, and chamber temperature,
in a combined plot to present a unified view of their interactions. The O/F ratio is on the
left axis, the chamber pressure is on the rear axis, and I, is on the vertical axis. Finally,
the chamber temperature is shown as the colors of the data points. This figure shows
the maximum I, not only happens at an O/F of 6, but also at the maximum chamber
pressure, and somewhere in the middle of the chamber temperature range seen in this study.
Returning to Figure 3.15 reveals the chamber temperature for the O/F where the maximum
I, occurs is located at a knee in the temperature curve. The trends evident in Figure 3.16

suggest the solution is simply one possible curve on a solution surface space.
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Figure 3.16: I, vs O/F Ratio, Chamber Pressure, and Chamber Temperature, System-level

Model
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Table 3.8 summarizes the second parametric study run of DEAN system-level model,

which varied the total mass flow from 85 Ibm/s to 122 Ibm/s. As one would expect, thrust

is linearly related to total mass flow (Figure 3.17). A total mass flow of only 104 1bm/s is

sufficient to achieve 50,000 Ibf thrust. Optimizing DEAN design near 104 Ibm/s will result

in another weight savings over the original design.

Table 3.8: Parametric Study over Total Mass Flow

Design Variables

Response Variables

O/F

Mass Flow (1)

Chamber Length (/)

Outer Chamber Radius (r,,)
Inner Chamber Radius (r,)
Expansion Ratio (€)

LOX Bypass (%)

LOX Pump Eff (17, 20x)
LOX Turbine Eff (17, 10x)
LH2 Pump 1 Eff (17, 112.1)
LH2 Pump 2 Eff (17, 112,2)

LH2 Pump Eff (7, 1.12)

7

85-122 Ibm/s

24 in
6 in
2in
125

90

0.773

0.949
0.8

0.83
0.9

Vac Thrust (F,,.)

Vac Iy,

Chamber Pres (Py)

Chamber Temp (7))

Throat Area (A,)

Nozzle Length (/,,)
Chamber Vol (V,)
LOX Temp (T1ox)

LOX Pres (PLOX)
Max LOX Mach

LH2 Temp (T1x»)

LH2 Pres (pry2)

Max LH2 Mach

40,800-58,400 1bf

479-481 s
2525-2710 psia
6770-6790 R
7.8-10.4 in?
14.5-14.8 in
1560-1578 in?
165-766R
3650-4850 psia
0.35-0.39
75-645R
3850-5900 psia
0.87-0.91

91



1 1 .
57500 4 T N .—.—-— i e—e—tsi B .- iiiii- e
3 3 L
: : : : - :
: | | | | : | . :
: : : : : : .. :
S5000| T o L
= | | | | ' . .
CHI R —— R e ———
[ : | | | | » . :
= 5 i i 1 . .
~ : ! | : ’ :
‘;50000 B [ .@ """""""""""""""""""""""""""""""""""""""""""""""
= : | | | - : : :
E | | | .® | | | |
B 47500 -omee e b Foneenne e B e
: ! ! L ! ! : ! :
: : : hd : : :
: : . & : : : : :
: ! L ! ! : ! :
A5000 i . L e E R A
: e | | | ' | '
: . ! ! ! : ! :
: L] | | | : | :
425001 g B R D s e
» : : : : : : :
¢ ‘ .
40000— ; - - - - - -
85 90 95 100 105 110 115 120

Total Mass Flow (Ibm/s)

Figure 3.17: Vacuum Thrust vs Total Mass Flow, System-level Model

Table 3.9 summarizes the final parametric study run on the DEAN system-level model,
considering the chamber length from 14 in to 26 in. The curve in Figure 3.18 showing
thrust versus chamber length has two transitions, one at 14.25 in and one at 22.75 in.
Noting shorter chamber lengths result in lighter engines since they require less material
drives the engine design toward the shortest chamber able to achieve the goal. This result
supports selecting a chamber not longer than 14.25 in, but further optimization is warranted.
Selecting a chamber length of 14.25 in results in a total engine length of 27.85 in. The new
length is nearly 25% shorter than the original design, and 69% shorter than the RL10B-
2[24]. This result suggests that the DEAN architecture can be packaged in a considerably

smaller volume than existing upper stage engines.
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Table 3.9: Parametric Study over Chamber Length

Design Variables Response Variables

O/F 7 Vac Thrust (F,q.) 57,100-58,200 Ibf
Mass Flow (1) 121.25 Ibm/s Vac I, 471-480 s
Chamber Length (/) 14-26 in Chamber Pres (Py) 950-2975 psia
Outer Chamber Radius (r,,) 6 in Chamber Temp (7)) 6435-6805 R
Inner Chamber Radius (r,) 2in Throat Area (A;) 9.8-28.9 in?
Expansion Ratio (€) 125 Nozzle Length (/) 12.4-14.6 in
LOX Bypass (%) 90 Chamber Vol (V,) 1000-1700 in®
LOX Pump Eff (17, 10x) 0.773 LOX Temp (T10x) 160-780R
LOX Turbine Eff (1; 10x) 0.949 LOX Pres (prox) 2300-5200 psia
LH2 Pump 1 Eff (17, 102.1) 0.8 Max LOX Mach 0.32-0.42
LH2 Pump 2 Eff 7, 1m2.2) 0.83  LH2 Temp (T12) 70-610R
LH2 Pump Eff (17, 1#2) 0.9 LH2 Pres (pru2) 2450-6250 psia

Max LH2 Mach 0.86-0.97
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Figure 3.18: Vacuum Thrust vs Chamber Length, System-level Model

3.5.2 Scaling the DEAN Engine.

The previous parametric studies examined how three parameters, the O/F ratio, the

total mass flow, and the chamber length, affect the weight and performance of the DEAN.
Those three parameters will be the design variables to be modified in scaling the DEAN
to the 50,000 Ibf thrust target. The parametric studies suggest values for each of these
parameters. As noted earlier, the engine provides the greatest Isp at O/F = 6 for these
parametric choices. Similarly, the study indicates a mass flow of approximately 104 1bm/s
achieves the design vacuum thrust of 50,000 Ibf. This result is for an engine operating at
O/F =7. With an O/F of six, the thrust will likely be higher. Finally, the results from
the chamber length parametric study suggest a chamber length of 14.25 in is an acceptable
value. Entering these values into the system-level model results in a significantly smaller
engine performing at 50,900 Ibf thrust and 489 s I,,. Table 3.10 summarizes this new design

and Figure 3.19 shows this new, much smaller design next to the original design.
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Table 3.10: Scaled DEAN Design Parameters

Design Variables Response Variables
O/F 6 Vac Thrust (F4.) 50,900 Ibf
Mass Flow (1) 104 1bm/s Vac I, 489 s
Chamber Length (/) 14.25 in Chamber Pres (Py) 1310 psia
Outer Chamber Radius (r,,) 6 in Chamber Temp (7)) 6413 R
Inner Chamber Radius (r,) 2in Throat Area (A,) 18.9 in?
Expansion Ratio (€) 125 Nozzle Length (/) 13.6 in
LOX Bypass (%) 920 Chamber Volume (V) 970 in®
LOX Pump Eff (17, r0x) 0.773 LOX PR Ratio (PR, 10x) 58
LOX Turbine Eff (1, 10x) 0.949 LOX Pump Power 1053 HP
LH2 Pump 1 Eff (17, 112.1) 0.8 LOX Turbine PR (PR; 10x) 1.6
LH2 Pump 2 Eff (7, 112,2) 0.83 LOX Turbine Power 1053 HP
LH2 Pump Eff (17, .112) 0.9 LOX Temp (T10x) 160-435R

LOX Pres (prox)

Max LOX Mach

LH2 Pumps PR (PR, 1 42)
LH2 Pump 1 Power

LH2 Pump 2 Power

LH2 Turbine PR (PR, 1 1>)
LH2 Turbine Power

LH2 Temp (Tyx2)

LH2 Pres (pru2)

Max LH2 Mach

2450-2600 psia

0.37

9.3

417 HP
3430 HP
1.8

3847 HP
73-324R

2960-3770 psia

0.96
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(a) Original Geometry for the DEAN

(b) Geometry for the scaled DEAN

Figure 3.19: Comparison of Geometry for the scaled DEAN to the Original Geometry

The performance values of this design are favorable. The 50,900 Ibf thrust not

only more closely matches the design requirements, but it is also falls within the
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demonstrated 50,300 Ibf of expander cycle engines as seen in the upper stage demonstrator
engine.[25] The lengths of the engine chamber and nozzle are significantly smaller than
the previous design, indicating the weight is similarly reduced. The converged values for
the turbomachinery are equally promising. The power required by the pumps is properly
balanced by power generated in the turbines, and in the LOX cycle this power is 40% of
original design, while in the LH2 cycle the power is only increased by 8% over the original
design. Together with the reduced mass flows and the pressure ratios, the turbomachinery
of the scaled DEAN design has both lighter and more robust options over the original
design.

The results also indicate opportunities for improvement, both in areas where
requirements are still exceeded by the design, including 7'/W, I,, and chamber pressure,
and in areas where there are concerns including fluid Mach numbers and wall temperatures.
The original design of the DEAN had an estimated weight of 479 lbm.[2] This gives an
upper limit for the scaled DEAN T/W of 106, meeting or exceeding the required 7/W.
The vacuum Iy, is now over 5% higher than the requirement, suggesting the nozzle can
be modified to save weight and meet the I, requirement. The chamber pressure is 25%
lower than the previous design, which leads to a more robust chamber design. Turning to
areas of concern, at least one constraint, the max LH2 Mach number, is still higher than
desired. Additionally, the wall temperatures, which must stay within their material limits
still need to be determined. To determine the wall temperatures, notional materials need to

be chosen.

3.6 Conclusion

The results of this study support two key conclusions. First, parametric modeling
with automated trade studies is a powerful approach in conceptual design of rocket
engines. Significant improvements were made to the design of the DEAN engine by

modifying the numerical model to support parametric modeling and exploring the trade
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space through automated trade studies. These improvements included reducing the size of
the turbomachinery by reducing the total mass flow, improving the oxidizer-to-fuel ratio for
optimal thrust performance, and reducing the overall length by 25%. All of these savings
were realized while maintaining the required vacuum thrust performance of 50,000 Ibf and
increasing the vacuum specific impulse from 472 s to 489 s.

Second, the DEAN architecture offers significant performance gains over single-
expander cycle based upper stage engines such as the RL10B-2. The DEAN has a chamber
pressure that is twice that of the RL10B-2. This increased chamber pressure results in twice
the vacuum thrust and a 5% higher vacuum specific impulse. Finally, the DEAN engine is

69% shorter than the RL10B-2, despite its increased thrust and specific impulse.
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IV. Fourth Generation DEAN Model

4.1 Introduction

A review of the DEAN research history presented in Section 2.3.3 indicates two
key conclusions about the DEAN models. Beginning with the third generation DEAN
model, the research has reached the point of providing the required system details with
the necessary level of fidelity. The inclusion of weight estimation analyses and improved
performance analyses yield high quality estimates for the DEAN’s vacuum specific impulse
and thrust-to-weight ratio. However, the results of engineering studies using the third
generation DEAN model, and the later Methane DEAN model, consistently lead to designs
with thrust-to-weight ratios in excess of requirements while delivering specific impulse
values far below requirements. The fourth generation DEAN model addresses these results
by providing a flexible model capable of exploring a wide range of DEAN designs while

still providing the required level of fidelity.

4.2 Motivation

The underlying causes of the results described above are limited trade space size and
low model reliability. The results shown in Table 4.1 summarize the challenge associated
with the limited trade space size as seen with the range of expansion ratios tested. When
the expansion ratio (€) has been assumed, as was the case in the first two generations, the
vacuum specific impulse (/;,) exceeds the required value. However, when the physical
expansion ratio (occupying the narrow band between 4.0 and 7.0) is used in place of
an assumed value, the resulting specific impulse falls far short of the required value.
Further, the small chamber radii generated by these expansion ratios lead to thrust-to-
weight ratios (7/W) far above the requirements. These results are consistent across all

generations of research. The narrow range of available expansion ratios is driven by design
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inconsistencies stemming from the original parametrization of the DEAN cycle model.
Clearly, the DEAN system model needs to support running trade studies over a wider
range of designs, especially those with greater expansion ratios, in order to find designs
with the required vacuum specific impulse. The fourth generation DEAN model addresses
this challenge through an updated parametrization using traditional rocket engine design

parameters designed to ensure model consistency.

Table 4.1: Assumed Performance Compared to Actual Performance for Previous DEAN

Generations

Genl Genl Gen2 Gen?2 Gen 3 Methane

Assumed[2] Actual Assumed[27] Actual Actual[4] DEAN[61]

Fqc (1bf) 57,231 57,231 50,900 50,900 50,161 25,000
€ 125.0 4.94 125.0 4.16 4.16 7.0
T/W,eq 106.5 106.5 106.5 106.5 106.5 108.0
T/W 119.0 138.6 - 1941 142.2 120.7
L) req (8) 464.0 464.0 464.0 464.0 464.0 383.0
I, (s) 47277 4129 489.0 4228 430.6 349.3

The reliability of the parametric DEAN models has been a source of many challenges
throughout the DEAN research. The reliability has been as low as 25% in the Methane
DEAN [61] and 30% in author’s work leading up to the fourth generation model. Most
often these challenges are encountered when running trade studies involving the radial
geometry of the engine. Given the expansion ratio is directly related to the radial geometry
of the engine as noted in Section 2.3.3.3, improving the reliability of the DEAN model
improves the search space in both size and quality. The fourth generation DEAN model

addressed the model’s reliability through the updated parametrization discussed above,
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simplification of the system model, and calculating the initial estimates used by the cycle

model to bootstrap the NPSS solver.

4.3 Model Improvements

4.3.1 Updated Parametrization.

The initial parametrization presented in Chapter 3 used a direct approach, exposing
a number of internal variables in the cycle model as top level design variables. Among
this original set of design variables are two key radii in the DEAN engine, the inner and
outer chamber radii (7, and r.,). Figure 4.1 shows the positions of these radii and the
corresponding inner and outer throat radii (r,, and r,). Treating these radii as top level
design variables led to two sources of error. The first source of error was the generation
of inconsistent geometry. When the inner and outer chamber radii are treated as separate
design variables, they become independent of one another in the system model, allowing
users and trade studies to generate designs where the inner chamber radius is larger than

the outer chamber radius. Such inconsistent designs lead to model failures.

Figure 4.1: Key Radii in the DEAN Engine

The second source of error was a lack of isolation in design variables during parametric
studies. Traditional rocket engine design parameters such as the expansion ratio and the
chamber volume are coupled to the chamber radii. The lack of design variable isolation led

to trade studies which are unable to separate the effects of varying the expansion ratio from
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the effects of varying the chamber volume. Coupling traditional rocket engine parameters
in this fashion made it difficult to verify the model as predicted relationships from rocket
engine theory cannot be isolated for comparison.

The updated parametrization, shown in Table 4.2, derived the engine geometry from
traditional rocket engine parameters, ensuring consistent designs and results. The outer
chamber radius, the inner throat radius, and the outer throat radius are derived from the
expansion ratio and throat area. The chamber volume is derived from the characteristic
length and the throat area. Finally, the chamber inner radius is derived from the chamber
volume and the outer chamber radius. Section A.3.1 covers the calculations used to

compute the geometry from the updated parametrization.

Table 4.2: Updated DEAN Parametrization

Variable Description

Expansion Ratio Ratio of the exit area (A,) to the throat area (A,)
Throat Area (in?) Area of the nozzle at the throat

Chamber Length (in) Length of the chamber, runs from the back of the

engine to the throat

Characteristic Length (in) Ratio of the chamber volume (V,) to the throat area

(Ar)
Vacuum Thrust (1bf) Specified thrust to be produced by the engine
Oxidizer-to-Fuel Ratio Ratio between the propellants

4.3.2 Model Simplification.
The third generation DEAN model introduced a number of new analyses to compute
the performance and weight of the DEAN. Most of these new analyses were part of

the aerospike performance module used to calculate the aerospike’s geometry, thrust,
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and specific impulse. The aerospike performance module included NASA’s Chemical
Equilibrium with Applications (CEA) and SEA’s Two Dimensional Kinetic (TDK). The
inclusion of these tools gave the DEAN system model improved fidelity in its results.
However, CEA and TDK also introduced additional reliability challenges. The connection
between the NPSS cycle model and the TDK analysis in the aerospike performance module
was particularly difficult to manage and was the source of many failed model runs. Further,
when this connection worked, it was computationally expensive, requiring several iterations
of the system model to converge on compatible results between NPSS and TDK [4].

To improve the reliability of the system level model, the aerospike performance
module from the third generation DEAN simulation was replaced with a modified NPSS
rocket nozzle element. This new rocket nozzle element uses aerospike nozzle theory to
compute the DEAN’s thrust from values available in the DEAN cycle model, eliminating
the need to run TDK in sequence with NPSS. Section A.3.1 covers the theory and
implementation of this improvement.

4.3.3 Calculating Initial Estimates for NPSS Solver.

The second and third generation DEAN models relied on the assumed values from the
first generation DEAN model and user inputs for the initial estimates used by the NPSS
solver in the cycle model. These estimates covered the following values: estimated specific
impulse, turbopump pressure ratios, propellant pressures inside the plumbing in the two
expander cycles, and the cooling jacket wall thicknesses. These values worked well in
the parametric DEAN models for designs with similar performance and cooling channel
geometries to the first generation DEAN model. However, they led to a large number
of failed model runs when trade space exploration moved away from the first generation
DEAN design.

The fourth generation DEAN model addressed these model failures by calculating

these estimates from other design variables. These calculations occur in three levels of
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the model. The estimated specific impulse and turbopump pressure ratios are found using
a custom solver discussed in Section A.2.3. The propellant pressures are estimated in the
DEAN cycle model from the estimated specific impulse and turbopump pressure ratios (see
Section A.3.1). Finally, the cooling jacket wall thicknesses are iteratively solved for using

a ModelCenter Converger loop as discussed in Section A.3.

4.4 System Model Structure

The fourth generation DEAN system level model, shown in Figure 4.2 and Table 4.3,
implements the improvements discussed above using ModelCenter’s process modeling
features. The process modeling features in ModelCenter give engineers direct control over
a model’s workflow and include various control structures. This section outlines the overall
model structure by walking through the analysis of a single design. Chapter 5 covers the
verification of the DEAN system level model and architecture and Appendix A covers the

verification and validation of the individual analysis modules in the system level model.

Figure 4.2: Primary Elements of Revised DEAN Model
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Table 4.3: Fourth Generation DEAN Model Components

Label Name

Description

A Data Monitors

B Final Geometry

C Pressure Profile Plots

D  Design Variables

D1  Pressure Profile Converger

E Wall Thickness Converger

F Performance

Geometry

Constraints

ModelCenter Data Monitors to provide access to key
design and response variables

DEAN geometry (chamber and aerospike) after sizing
wall thicknesses

pressure profiles for the LOX and LH2 expander
cycles

system level design variables and the preprocessing
analyses, including cooling channel design and initial
estimates for the turbopump pressure ratios

a secondary module, solves for the initial estimates
for the turbopump pressure ratios

module to balance the pressure and mechanical sys-
tems and to size the cooling channel wall thicknesses
performance values, structural jacket wall thicknesses
and T/W

geometry module

constraint module; maximum Mach numbers in the
cooling channels and the pressure drops across the

injector face

Analysis of a design begins with the selection of the design to test. A user enters

the design by specifying values for the top level design variables described in Table 4.2

using the model’s Data Monitors (labeled A in Figure 4.2) or ModelCenter’s Component

Tree. The analysis continues with the execution of the model started when the user selects
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the Run command in ModelCenter. The first set of analysis modules to execute are the
three analyses in the Design Variables sequence (labeled D in Figure 4.2) starting with the
Spike Materials and the Cooling Channels Design. These two modules combine secondary
design variables (see Section A.2) with the top level design variables to derive materials and
cooling channel geometry values used by downstream modules. Following the execution
of these two components, the Pressure Profile Converger (labeled D1 in Figure 4.2) finds
the best initial estimates for the specific impulse and turbopump pressure ratios. These
analyses constitute the preprocessing step for the DEAN system level model.

The model execution continues with the execution of the engine cycle analysis. The
engine cycle analysis is driven by the Wall Thickness Converger (labled E in Figure 4.2),
a fixed point iteration solver used to find the cooling channel wall thicknesses. This
converger sets initial estimates (0.02 in) for the fourteen wall thickness values (one each
for the six chamber stations and the eight aerospike stations) and then iteratively calls the
DEAN cycle analysis, the Angelino aerospike geometry analyses, and the Cooling Jacket
wall sizing loop until the estimated cooling jacket wall thicknesses equal the calculated
wall thicknesses. The DEAN cycle analysis takes the top level design variables, the
derived values from the Spike Materials and Cooling Channel Design modules, and the
estimated cooling jacket wall thicknesses from the converger and uses these values to
execute the NPSS analysis for the current design. The results from this analysis are
used in all subsequent modules. Next, the Angelino and Angelino Correction modules
calculate the aerospike contour for the current design. Then, the Cooling Jacket wall sizing
loop iterates over the cooling jacket wall temperatures and wall thicknesses, calling the
Materials Property analysis for updated strength values based on material selections and
wall temperatures, until it finds the cooling jacket wall thickness for the current design.
The results of the Cooling Jacket wall sizing loop are compared to the estimated values in

the converger to determine if the Wall Thickness Converger loop continues.
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Assuming the Wall Thickness Converger completes without error (often caused by
insufficient material strength for the current cooling jacket material selections), the system
level model continues with the first post processing step: the Performance sequence
(labeled F in Figure 4.2). The first analysis in the Performance sequence is the Channels
script. This module takes the channel dimensions, reported by the DEAN cycle model
as vectors, and converts them into scalar values for use by the Structural Jacket Sizing
module. Following the Channels script, the Structural Jacket Sizing module determines the
thicknesses of the chamber and aerospike structural jackets and the propellant plumbing
modeling these structures as thick walled pressure vessels. At the completion of the
Structural Jacket Sizing module, the DEAN system model has sufficient data to calculate
the total engine weight and the thrust-to-weight ratio. These calculations are implemented
in the Thrust-to-Weight Calculation module. The final analysis in the Performance
sequence, Pressure Profiles, renders the pressure levels in the two expander cycles (labeled
C in Figure 4.2).

The model execution continues with the Geometry sequence (labeled G in Figure 4.2).
This sequence contains a series of scripts and ModelCenter geometry components used to
generate conceptual geometry (linear aerospike nozzle without wall thicknesses) and final
geometry (calculated aerospike nozzle contour with wall thicknesses).

The final section of the system level model to run is the Constraints block (labeled H
in Figure 4.2). This section contains analyses used to calculate the constraint values in the
DEAN system level model not calculated by earlier modules. The first two analyses, the
LOX and LH2 sequences, calculate the maximum Mach numbers in the cooling channels
by iteratively calling response surface models of the speed of sound in liquid oxygen and
liquid hydrogen for each station in the DEAN cycle model. Following the cooling channel
Mach number calculations, the Pressure RMSE module computes the root mean square

error between the estimated pressure profiles and the calculated pressure profiles in the
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two expander cycles. Next the Chamber Mach script uses a secant root solver to compute
the chamber Mach number. Then, the system level model completes its execution with
the Sanity Checks module computing the pressure drops across the injector face for both
expander cycles, ensuring the aerospike structure does not violate the engine’s physical
dimensions, and calculating the outer chamber radius and the difference between the throat
radii.

Manual runs of the model initiated by the user end with the completion of the Sanity
Checks module. Automated trade studies execute each of the steps above for each design

under consideration.

4.5 Results

The results of the verification studies in Chapter 5 and Appendix A showed the
updates in the fourth generation DEAN model address the modeling challenges discussed
in Section 4.2 while preserving the fidelity of the third generation DEAN model. The trade
studies used to verify the DEAN architecture and the fourth generation model showed the
model now supports a wide range of designs, including expansion ratios from 6.0 to 25.0
(see Table 5.10). These trade studies also indicated the model’s reliability has improved
significantly, with 98.7% of the 1500 runs succeeding (see Table 5.11). Verification tests on
the Pressure Profile Converger showed it improves both the reliability and the quality of the
model’s results (see Section A.2.3). Finally, comparisons to previous results demonstrated
the fourth generation DEAN model matches the fidelity of the third generation DEAN

model (see Appendix B).

4.6 Conclusion
The fourth generation DEAN model met the modeling needs for the remaining
research. The improved reliability and expanded trade space open up previously

unavailable design options necessary to reach the DEAN design goals. Further, the
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improved reliability was essential for running the optimization studies in the final phase
of the current DEAN research. Lastly, the fourth generation DEAN model included these

improvements without sacrificing fidelity.
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V. Verification of Dual-Expander Aerospike Nozzle Upper Stage Rocket Engine

The text of this chapter was submitted to the AIAA Journal of Propulsion and Power
in July 2014. It is unaltered from the submitted version except in its formatting as required

by the AFIT dissertation style guide.

5.1 Introduction

Prices for space launches are literally astronomical. The cost to deliver payload to orbit
is estimated to be as much as $10,000 per pound [15]. A first class stamp to space (that is
delivery of up to 3.5 ounces by weight) would cost $2,200. Current launch costs to place
satellites in orbit costs hundreds of millions of dollars. In this time of budgetary constraints,
reliance on satellites for surveillance, navigation, communication, and meteorology in the
US also means there is demand for more efficient and cheaper improvements [16, 17].

At the heart of launch costs is the fundamental science and engineering of rocket
powered flight. Payloads represent only a small fraction of the gross lift-off weight
(GLOW) of current rockets. Improvements in propulsion performance, measured in
specific impulse (I,,) and the propulsion system’s thrust-to-weight ratio (7/W), can
dramatically increase payload fractions. Increased payload fractions reduce the size of
launch vehicles for a given payload leading to lower cost launch vehicles. Increased
payload fractions can also increase the size of payloads launched per mission, reducing
the per pound cost for fixed mission expenses, such as range and insurance costs. Taken
together, the savings can be significant. However, achieving these gains in performance will
require more than incremental improvements in rocket engine technology. Consider that for
decades the thrust-to-weight ratio of high powered liquid rocket engines has been relatively

constant with respect to propellant selection regardless of thrust levels and designs [23].
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The Air Force Institute of Technology (AFIT) is researching a modification to the
expander cycle as a means of breaking through this performance barrier. The result of this
research is the Dual-Expander Aerospike Nozzle (DEAN) rocket engine. The DEAN is a
liquid oxygen (LOX)/liquid hydrogen (LH2) reusable upper stage engine which includes
two separate expander cycles and uses an aerospike nozzle. The DEAN architecture offers
a performance advantage over a standard expander cycle in a compact package leading to
dramatically improved thrust-to-weight ratios while maintaining a vacuum specific impulse
comparable to current LOX/LH?2 upper stage engines.

AFIT’s goal with its research into the DEAN is to determine the viability of the DEAN
architecture by finding those missions and designs for which the DEAN has a competitive
advantage over traditional upper stage engines such as the RL10. Current research is
focused on verifying the DEAN architecture by comparing the performance and packaging

of the DEAN to engineering principles and the RL10.

5.2 Background

5.2.1 DEAN Architecture.

The DEAN architecture, shown in Figure 5.1, uses two novel design choices. The first
is the use of separate expander cycles for the fuel and the oxidizer. In a traditional expander
cycle, the fuel is pumped through a cooling jacket for the chamber and nozzle. The energy
transferred to the fuel from cooling the chamber and nozzle is then used to drive the turbine
turning both the fuel and oxidizer pumps before the fuel is introduced into the chamber [5].
In the DEAN, the fuel and oxidizer each drive their own turbines to power their own pumps.

The second novel design choice of the DEAN is the use of an aerospike, or plug,
nozzle. Aerospike nozzles run through the middle of the rocket’s propellant flow and up
into the chamber, leaving the ambient atmosphere to form the outer boundary for the flow.
The interaction with the ambient atmosphere gives aerospike nozzles automatic altitude

compensation, making them more efficient over a range of altitudes than similar bell
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nozzles which must be designed for a single, specific altitude [24]. In the DEAN, the
use of an aerospike nozzle provides a second, physically separate cooling loop from the
chamber for use in the fuel expander cycle, greatly simplifying the implementation of a

dual-expander cycle.
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Figure 5.1: DEAN Architecture, credit J. Hall (unpublished)

The DEAN’s unique architecture offers a number of advantages. The second cooling
loop increases the surface area inside the chamber, transferring greater energy to the
propellants and providing more power to the turbines. This increased power is transferred
to the pumps and in turn leads to increased chamber pressures. The increased chamber
pressure yields engine performance improvements when compared to traditional expander
cycle engines such as the RL10. This improved performance leads to smaller engines,

in terms of both weight and physical dimensions, for similar levels of thrust and specific
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impulse. The separate expander cycles also ensure the fuel and oxidizer remain physically
separated until entering the combustion chamber, eliminating one of the more catastrophic
failure modes in traditional expander cycles, namely failure of an inter-propellant seal.
Finally, the DEAN architecture is a forerunner to a similar boost stage architecture, where
the aerospike nozzle’s global performance could result in even greater performance gains
[2, 25-27].

The DEAN architecture is not without its challenges, though. First, the LOX cycle
requires a turbine material to operate in an oxygen environment. Material studies at
AFIT have shown Inconel 718 provides both satisfactory oxygen resistance and suitable
mechanical performance for use in both the pump and the turbine in the LOX cycle [26, 27].
Second, the expansion ratio of aerospike nozzles is limited to the ratio of the area of the
chamber at the throat to the throat area [24]. Due to this limit, aerospike nozzles generally
need larger chamber diameters to reach useful expansion ratios, potentially limiting the
range of engines which offer improved thrust-to-weight while also delivering the required
specific impulse.

5.2.2 Previous Research.

The current research builds on three generations of DEAN simulations. The
performance goals for the DEAN have been a vacuum thrust of 50,000 Ibf, a vacuum
specific impulse of 464 s, and a thrust-to-weight ratio of 106.5. All three generations use
NASA’s Numerical Propulsion System Simulation (NPSS) to explore the cycle. NPSS is a
computer simulation tool for modeling aircraft and rocket engines. Engine simulations built
in NPSS provide higher fidelity results than engine cycle studies. NPSS has been developed
by the NASA Glenn Research Center with assistance from the aerospace propulsion
industry [31]. The DEAN cycle simulation balances the fluid flows, mechanical power, and
thermal flows in the two expander cycles to converge on the engine performance parameters

for a given design point.
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Two of the three previous DEAN simulations extended the cycle model by embedding
it into a system level engine simulation built in Phoenix Integration’s ModelCenter.
ModelCenter is a multidisciplinary modeling environment used to study the trade space
of a design and optimize that design. ModelCenter can combine analyses developed in
a variety of tools including MATLAB, Mathcad, Excel, and command line executables
into a single system level model [60]. The system level DEAN simulation automates a
parameterized version of the cycle model and connects it to additional analyses to estimate
the DEAN’s weight and geometry in order to compute the DEAN’s physical dimensions
and thrust-to-weight ratio.

The first generation research focused on developing the initial cycle balance of the
DEAN for a single design. This design, shown in Figure 5.2(a), included an assumed
expansion ratio of 125 and produced a vacuum thrust of over 57,000 Ibf and a vacuum
specific impulse of more than 472 s, with a thrust-to-weight ratio of 119. The cycle balance
was verified using stand alone models of the two expander cycles. These separate cycle
simulations, which used Pumpal and RITAL to model the pump and turbine respectively,
showed strong agreement with the overall DEAN simulation for the required pump power
and the pressure levels in both the LOX and LH2 cycles. The results from the first
generation DEAN research confirmed the feasibility of the DEAN and verified the expander
cycles in DEAN cycle simulation [2, 25, 26].

The second generation research implemented parametric modeling of the DEAN by
refactoring the cycle model and integrating it into the first system level simulation. The new
DEAN simulation employed parametric modeling techniques, modified design variables,
and a simplified nozzle geometry. The assumption of an expansion ratio of 125 was
maintained in this model. The DEAN system level simulation was then used to run a series
of parametric studies over the DEAN geometry and cycle parameters. Parametric studies

over cycle parameters yielded a large number of valid designs, however, parametric studies
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varying the chamber radii resulted in computational errors in the cycle model. The results
of the parametric studies were then used to scale down the DEAN design to more closely
match the original design goals. The resulting design had a vacuum thrust of 50,900 1bf and
a vacuum specific impulse of 489 s, while being 25% shorter in total length and reducing
the size of the turbomachinery by reducing the total mass flow. Figure 5.2 compares the
original DEAN with the scaled DEAN. The results from the second generation DEAN
research both expanded the DEAN trade space and demonstrated the power of combining
engine cycle models with parametric modeling in the development of new liquid rocket
engines [27].

The third generation research extended the system simulation to include additional
calculations such as structural sizing, nozzle contour, and engine weight. The third
generation DEAN research also moved from an assumed value for the expansion ratio
to a calculated value based on the DEAN’s geometry. This change led to significantly
smaller expansion ratios which reduced the vacuum specific impulse compared to previous
generations of the DEAN. Additonally, the aerospike performance module in the third
generation simulation integrated NASA’s CEA and SEA’s TDK to provide detailed
information concerning the aerospike nozzle’s geometry and the thrust it produced.

Numerous trade studies were run using the updated DEAN system level simulation,
including an initial survey into the materials which should be used to construct the DEAN.
The results indicated the chamber should use silicon carbide for its cooling jacket and
aluminum 7075 T6 for its structural jacket, and the aerospike nozzle should be fabricated
from a single material, oxygen-free copper (C10100). As with the second generation
DEAN research, the third generation DEAN simulation was unstable during studies varying
the chamber radii, making it difficult to improve the expansion ratio and in turn the vacuum
specific impulse. The final design for the third generation research, shown in Figure 5.2(c),

provided a vacuum thrust of just over 50,000 Ibf and a vacuum specific impulse of just over
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430 s, with a thrust-to-weight ratio of 142 in a 27 inch long engine. This design exceeded
the required thrust-to-weight ratio and delivered the required vacuum thrust. However,
it fell far short of the desired vacuum specific impulse. Further, while third generation
DEAN simulation included high fidelity modules for the aerospike performance, these
modules added significant complexity to the simulation. This added complexity, especially

the integration of the TDK analysis, resulted in higher model failure rates during trade

®

study execution [4].
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Figure 5.2: Comparison of First, Second, and Third Generation DEAN Geometry

5.3 Current Research

The fourth generation DEAN simulation built on the lessons learned from the previous
generation models. The new simulation included an updated geometry parametrization,
simplified model structure, and a custom solver to compute initial estimates for the cycle
balance. The improvements allowed for the exploration of a wide range of designs while
maintaining fidelity. Figure 5.3 and Table 5.1 outline the overall structure of the fourth

generation DEAN model.

The fourth generation DEAN simulation included a new parametrization of the DEAN

cycle model. In the previous parametrization, design variables included two of the key radii
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LOX Station

LH2 Pressure, psia

LH2 Station

Figure 5.3: Fourth Generation DEAN Model

in the DEAN engine, the inner and outer chamber radii, r,, and r,, respectively. Figure 5.4
shows the positions of these radii and the corresponding inner and outer throat radii. This
parametrization allowed for the specification of inconsistent designs such as ones where
the inner chamber radius is greater than the outer chamber radius. The new parametrization
connected all four radii into a common conceptual design relationship ensuring consistency
and improving model success. Further, the simulation now describes the design using
traditional rocket engine design parameters such as expansion ratio, chamber length, thrust,

and characteristic length.

Figure 5.4: Key Radii in the DEAN Engine
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Table 5.1: Fourth Generation DEAN Model Components

Label Name Description

A Data Monitors ModelCenter Data Monitors to provide access to
key design and response variables
B Final Geometry DEAN geometry (chamber and aerospike) after

sizing wall thicknesses

C Pressure Profile Plots pressure profiles for the LOX and LH2 expander
cycles
D Design Variables system level design variables and the preprocess-

ing analyses, including cooling channel design and
initial estimates for the turbopump pressure ratios
D1  Pressure Profile Converger asecondary module, solves for the initial estimates
for the turbopump pressure ratios
E Wall Thickness Converger module to balance the pressure and mechanical
systems and to size the cooling channel wall
thicknesses
F Performance performance values, structural jacket wall thick-
nesses and 7/W
Geometry geometry module
Constraints constraint module; maximum Mach numbers in
the cooling channels and the pressure drops across

the injector face

To improve the robustness of the thrust calculation, the aerospike performance module
from the third generation DEAN simulation was replaced with a modified NPSS rocket

nozzle element. The thrust for an aerospike nozzle can be calculated with Equation (5.1).
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The momentum thrust for an aerospike nozzle, Equation (5.2), is produced by the
momentum exchange between the propellant and the vehicle. The non-design thrust,
Equation (5.3), accounts for the thrust component generated from operating the engine

above or below its design altitude [4, 24].

Faerospike = Fm + Fnondesign + Fpressure + Fcowl (51)
F,, = mv'cos® + (p* — pamp)A; (5.2)
Fnondesign = (pe - pamb)Ae (53)

The last two terms in Equation (5.1), Fressure and F,,, are related to the geometry
of the aerospike nozzle. The pressure thrust is result of the the pressure acting along the
length of the aerospike over its cross-sectional area and the cowl thrust is the force acting
on the exit lip of the chamber. The fourth generation DEAN model conservatively assumed
these components can be accounted for in the F)yyngesign term and then included it directly in
the modified NPSS nozzle element. The calculation of the non-design thrust assumed the
the minimum exit area for the aerospike, the design flow exit area, to give a conservative
estimate for the total thrust [4]. Tests between the fourth and third generation simulations
showed good agreement between the models, verifying the new nozzle element. This
modification allowed for the removal of the aerospike performance module, eliminating
one of the key sources of model failure.

A key improvement to the DEAN simulation in this research is the inclusion of a
custom solver script to determine initial estimates for the pressure ratios of the DEAN
pumps. The initial estimates have a significant impact on the solution found for the pressure
levels in the cooling channels. Starting with high quality estimates reduced convergence

time to a solution for a specified design and improved robustness of the overall simulation.
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The values for these estimates depend on other design variables: thrust, expansion ratio,
etc. The estimates were determined using a root mean square technique comparing the
estimated pressure profiles and the computed pressure profiles.

Verification of the fourth generation DEAN analysis modules was primarily carried
out through source code inspection. The inspection process ensured the source code
for each module in the simulation agreed with the underlying physics. The data flow
connections between the modules were also inspected to verify the system level model
passed the correct values between modules and in turn calculated the correct performance

for the DEAN.

5.4 Results and Analysis

5.4.1 DEAN Performance Trade Studies.

A series of six trade studies using the fourth generation DEAN simulation were
developed to test specific design considerations: chamber and thrust, specific impulse, and
engine weight. The six trade studies used the same baseline design, shown in Figure 5.5
and Table 5.2. This design was chosen through manual testing and user guided trade studies

to maximize the model reliability over a wide trade space.

Figure 5.5: Trade Study Baseline Design Geometry
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Table 5.2: Trade Study Baseline Design

Variable Value
Expansion Ratio 17.5
Throat Area (in?) 9.0
Chamber Length (in) 12
Characteristic Length (in) 50
Vacuum Thrust (1bf) 20,000
Oxidizer-to-Fuel Ratio 6.0
Chamber Throat AR 1.0
Chamber Stations Adjustment 1.2
Chamber Station 5 Adjustment 1.0
Chamber Cooling Channels Ratio 144
Nozzle Throat AR 0.86
Nozzle Station 1 Adjustment 1.7
Nozzle Station Spike Adjustment 1.0
Aerospike Cooling Channels Ratio 94
Ambient Pressure Decision Operational
Operational Pressure (psia) 0.001

Cooling Geometry Option
Percent Weight of Hardware
Cowl Length

Factor of Safety

Material Strength Option
Chamber & Aerospike Materials
LOX Pipe Material

LH?2 Pipe Material

Channel Cover + Structural Jacket
5.0 %

0.1

1.5

Yield Strength

Silicon Carbide

INCONEL 718

INCOLOY 909
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All six trade studies use a similar design of experiments. A pairwise relationship
between a design variable and a response (i.e. total mass flow and thrust) was selected
as the test objective. A second design variable related to either geometry or performance
(i.e. expansion ratio) was then selected to ensure the observed results were not isolated to
a single band of designs for the DEAN. A parameter scan design of experiments was then
specified with fifty levels for the first design variable and five levels for the second design
variable. This experimental design process yielded results across a wide range of DEAN
designs while limiting the number of computational runs to a manageable size. The result
of running these trade studies is the equivalent of running five separate parametric studies
over the pairwise relationship, one for each value of the second design variable.

5.4.1.1 Chamber and Thrust Trade Studies.

For a constant specific impulse the relationship between chamber pressure and thrust
is linear, making it a good verification of the fourth generation DEAN simulation. The trade
study “Responses to Vacuum Thrust” looked at the relationships between total mass flow
and chamber pressure with thrust. The common design variable in both of these pairwise
relationships is the vacuum thrust. The second design variable for this trade study was the

expansion ratio. The design for this trade study is shown in Table 5.3.

Table 5.3: Responses to Vacuum Thrust Trade Study Design

Variable Low  High Levels

Vacuum Thrust (Ibf) 10,000 35,000 50

Expansion Ratio 6 25 5

The relationship between total mass flow and thrust can be tested using the definition

of specific impulse shown in Equation (5.4). Solving for total mass flow yields
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Equation (5.5) [5, 24]. Equation (5.5) shows the direct relationship between total mass

flow and thrust.

F
Isp == 5.4)
mgo
F
= (5.5)
Isng

Figure 5.6 shows the results of the DEAN simulation for total mass flow and thrust.
As expected, the relationship between the mass flow and thrust is linear, generating one
curve for each expansion ratio. The values were verified by computing the total mass flow
from the vacuum thrust and vacuum specific impulse using Equation (5.5). As can be seen

in Figure 5.6, the model’s values agree with the calculated values.

Total Mass Flow (Ibm/s)

9500 12000 14500 17000 19500 22000 24500 27000 29500 32000 34500
Thrust (Ibf)

Figure 5.6: Total Mass Flow Variation with Vacuum Thrust for Five Expansion Ratios

The relationship between the chamber pressure and thrust can be tested by combining

the definition of the characteristic velocity with Equation (5.5) and solving for chamber

pressure. The characteristic velocity, shown in Equation (5.6), is a performance property of
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a rocket engine which measures propellant and chamber performance independent of the
nozzle [5, 24]. Solving Equation (5.6) for chamber pressure and substituting Equation (5.5)
for the mass flow gives the relationship between chamber pressure and thrust shown in
Equation (5.7). With the specific impulse, throat area, and characteristic velocity constant

the relationship is linear.

o = A (5.6)
m
F
pe= — (5.7)
IspAth

Figure 5.7 shows the results of testing the relationship between chamber pressure and
thrust for the DEAN. As expected a series of linear relationships between the chamber
pressure and thrust resulted, one for each expansion ratio. The values were verified by
computing the chamber pressure from the vacuum thrust, vacuum specific impulse, throat
area, and the characteristic velocity using Equation (5.7). The simulation agrees with the
calculated values. Figure 5.7 also includes the chamber pressures for the RL10A-4 and
RL10B-2, 610 psia and 640 psia respectively, for comparison to the DEAN [24]. The
DEAN’s chamber pressure nearly doubles the chamber pressure of the RL10’s expander

cycle for comparable thrust levels.
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Figure 5.7: Chamber Pressure Variation with Thrust for Five Expansion Ratios

The “Responses to Throat Area” trade study explored the relationship between
chamber pressure and the throat area. The design variable in this pairwise relationship
was the throat area. The second design variable for this trade study was the vacuum thrust.

The design for this trade study is shown in Table 5.4.

Table 5.4: Responses to Throat Trade Study Design

Variable Low  High Levels
Throat Area (in?) 7 12 50
Vacuum Thrust (Ibf) 10,000 35,000 5

The chamber pressure and the throat area showed an inverse relationship, which can
be tested using Equation (5.7). Figure 5.8 shows the results of testing this relationship for
the DEAN. As expected, the inverse trends for the chamber pressure with respect to the

throat area confirmed the simulation’s validity using Equation (5.7).
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Figure 5.8: Chamber Pressure Variation with Throat Area for Five Thrust Levels

5.4.1.2 Specific Impulse Trade Studies.
The trade study “Responses to Expansion Ratio” explored the relationships specific
impulse has with expansion ratio and the molecular weight of the combustion products.

The common design variable in both of these pairwise relationships was the expansion

ratio (Table 5.5).

Table 5.5: Responses to Expansion Ratio Trade Study Design

Variable Low  High Levels
Expansion Ratio 6 25 50
Vacuum Thrust (Ibf) 10,000 35,000 5

The relationship between vacuum specific impulse and expansion ratio can be tested

using expected theoretical results shown in Equation (5.8) and Figure 5.9 [5, 24].
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Figure 5.9: Vacuum Specific Impulse Variation with Expansion Ratio for a Generic

LOX/LH2 Engine (P. = 500 psia)

Figure 5.10 shows the DEAN simulation is clearly in agreement with the underlying
physics. The results also confirm the DEAN provides comparable performance to the RL10
in a far more compact package (i.e. higher thrust-to-weight). Table 5.6 lists the engine

length and outer diameter for both the RL10B-2 and a DEAN engine.

Using the alternate definition for the characteristic velocity, shown in Equation (5.9),
the characteristic exit velocity is clearly related to 1/ VMW. Combining Equation (5.8) and
Equation (5.9) shows the specific impulse is proportional to 1/ VMW [5].

*

_ e VYTo(8314/MW) (5.9)

y+1

)
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Figure 5.10: Vacuum Specific Impulse Variation with Expansion Ratio for Five Thrust
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Table 5.6: Comparison of DEAN and RL10B-2 Sizes

Variable DEAN RLI10B-2[11,24] Delta
Vacuum Thrust (Ibf) 28,750 24,750 +16%
Vacuum Specific Impulse (s)  465.6 465.5 0.0%
Engine Length (in) 32.9 163.5 -80%
Engine Outer Diameter 16.3 845 -81%

The relationship between the specific impulse and molecular weight is a negative root

relationships as shown in Figure 5.11.

The “Responses to Oxidizer-to-Fuel Ratio” trade study showed how the vacuum

specific impulse and the oxidizer-to-fuel ratio (O/F) are related. The design variable in
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Figure 5.11: Specific Impulse Variation with Molecular Weight for Five Thrust Levels

this pairwise relationship was the oxidizer-to-fuel ratio. The second design variable for this

trade study was the expansion ratio (Table 5.7).

Table 5.7: Responses to Oxidizer-to-Fuel Ratio Trade Study Design

Variable Low High Levels
Oxidizer-to-Fuel Ratio 5 8 50
Expansion Ratio 6 25 5

For a given propellant combination, expansion ratio, and engine cycle a specific
oxidizer-to-fuel ratio produces a maximum specific impulse. This ratio produces the
optimal energy release and exhaust molecular weight from the combustion reaction. For
liquid hydrogen/liquid oxygen engines, the optimal oxidizer-to-fuel ratio is between 3.5 and
6.0 [24]. Figure 5.12 shows the DEAN’s specific impulse is maximized by an oxidizer-to-

fuel ratio of 6.0 across a range of geometries.
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Figure 5.12: Specific Impulse Variation with Oxidizer-to-Fuel Ratio for Five Expansion

Ratios

The results above demonstrate the DEAN simulation’s performance is consistent with
rocket engine theory and the underlying physics. The results also confirm the DEAN
architecture produces the predicted compact packaging compared to a single expander
cycle engine.

5.4.1.3 Weight Trade Studies.
The “Responses to Throat Area” trade study looked at the relationship between total

engine weight and throat area. In general, reducing the throat area leads to lighter engines

[S].

Figure 5.13 shows a more complex relationship between throat area and engine weight
than expected. Investigation of the underlying data showed the turbopump weight is
driving the variability of the total engine weight. The variability in turbopump weight
is driven by the Pressure Profile Converger loop, shown in Figure 5.3 and Table 5.1. The

Pressure Profile Converger minimized the pump pressure ratios to account for the changes
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Figure 5.13: Total Engine Weight Variation with Throat Area for Five Thrust Levels

in chamber pressure associated the varying throat area, introducing an additional variation
in the trade study beyond the variation driven by the thrust and throat area. Repeating the
“Responses to Throat Area” trade study with the Pressure Profile Converger loop disabled,
fixing the pump pressure ratios and isolating the model from unintended design variable
changes, reveals the expected direct relationship driven by the thrust and throat area as

shown in Figure 5.14.
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Figure 5.14: Total Engine Weight Variation with Throat Area for Five Thrust Levels

without the Pressure Profile Converger

The expansion ratio is directly related to the area of the chamber at the throat. This
relationship ties the overall engine diameter, and in turn the engine weight, to the expansion

ratio in a direct relationship, Figure 5.15 [24].

The “Responses to Chamber Length” trade study explored the relationship between
total engine weight and the chamber length, producing interesting results (design variable
chamber length, second design variable expansion ratio, Table 5.8). It is clear there should
be a direct relationship between the chamber length and the engine weight given the volume
of material comprising the engine walls is directly related to the chamber length. As
expected, the results of this trade study, shown in Figure 5.16, indicated shorter engines are
lighter than longer engines across the range of expansion ratios considered. Additionally,

larger expansion ratios led to a larger impact for increases in chamber length.
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Table 5.8: Responses to Chamber Length Trade Study Design

Variable Low High Levels
Chamber Length (in) 6.5 20 50
Expansion Ratio 6 25 5
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Figure 5.16: Total Engine Weight Variation with Chamber Length for Five Expansion

Ratios
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The trade study “Responses to Characteristic Length” looked at the relationship
between total engine weight and the characteristic length. The design variable in this
pairwise relationship was the characteristic length. The second design variable for this

trade study was the expansion ratio (Table 5.9).

Table 5.9: Responses to Characteristic Length Trade Study Design

Variable Low High Levels

Characteristic Length (in) 35 100 50

Expansion Ratio 6 25 5

The characteristic length, shown in Equation (5.10), is the ratio of the chamber volume
to the throat area. Typical values for characteristic length vary from 30 inches to 100
inches. Generally, smaller values for characteristic length lead to smaller, and lighter
weight, engines. However, there is a minimum acceptable value for characteristic length for
a given propellant combination based on the combustion residence time, below which the
combustion will not be complete. For chambers with a constant cylindrical cross-section,
the relationship between the characteristic length and the chamber volume leads to a direct

relationship between the characteristic length and the chamber diameter [5].

L =V,/A (5.10)

However, for the DEAN, the chamber diameter is not related to the characteristic
length. Instead, the chamber diameter is determined by the expansion ratio and the throat
area. The characteristic length determines the diameter of the aerospike within the chamber.
This inverse relationship is shown in Figure 5.17. Increases in chamber volume due to
increases in the characteristic length (with the chamber diameter fixed) must be accounted

for by decreases in the aerospike diameter. These decreases can be dramatic, with a
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decrease in characteristic length of 65 inches resulting in an increase in the space between

the chamber and aerospike walls of 1.6 inches for the base trade study design.

Ar=0.4in Ar=2.0in

Bore

Chamber Wall Aerospike Chamber Wall Aerospike
(a) L' =35in (b) L* = 100 in

Figure 5.17: Impact of Characteristic Length on DEAN Geometry

The engine weight decreased initially and then followed the expected direct
relationship with the characteristic length, Figure 5.18. Inspection of the aerospike
geometry data in the trade study results showed the cause of the initial decrease in
engine weight. The results in Figure 5.19 show the aerospike wall thickness varied with
characteristic length, first decreasing over an initial range of characteristic lengths, then
settling to a constant value. This transition to a constant wall thickness was the result
of competing design objectives in the structural jacket sizing in the simulation. The first
objective is to minimize the wall thickness based on the stresses in the wall as calculated
by Equation (5.11) and Equation (5.12). The second objective is to create a uniform bore
in the aerospike to simplify manufacturing while reducing the weight of the aerospike by
removing unnecessary material. As the characteristic length increases, the driving factor
between these two objectives switched from minimizing the wall thickness to simplifying

the manufacturing, leading to a constant wall thickness.
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Further inspection of the results indicated larger expansion ratios lead to thicker
aerospikes as shown in the figure. This result is driven by stresses in the wall. The larger
expansion ratios led to larger aerospike radii, and larger radii led to higher stresses in the
aerospike wall. The structural jacket sizing analysis compensated for the increased stresses

by increasing the wall thickness.

The transitions to constant values for aerospike thickness corresponded to the
transition in the total engine weight from an inverse relationship with the characteristic

length to a direct one. These results indicate the weight savings from the reduced
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aerospike wall thickness exceeded the weight growth otherwise associated with increase
in characteristic length and explain the observed deviation from expected relationship.

The DEAN simulation predicted weight is consistent with liquid rocket engine theory
with respect to throat area, expansion ratio, chamber length, and characteristic length. The
study of the throat area relationship demonstrated the impact of scaling the turbopumps for
each design. Also, studying the characteristic length demonstrated the differences between
the DEAN’s chamber design and traditional constant cross-section cylindrical chambers.

5.4.2 Scalability of the DEAN.

The common unanswered question in previous generations of DEAN research was “is
the DEAN scalable?”. Previous results were unclear regarding how flexible the DEAN
architecture was in terms of varying geometry and performance. Using the improvements
in the current DEAN simulation, the trade studies above demonstrated the DEAN is quite

scalable. Table 5.10 summarizes the ranges for the DEAN’s key design variables. The
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results also demonstrate the DEAN exceeds the RL10 in terms of both performance and

packaging.

Table 5.10: Design Variable Ranges

Design Variable Low Value High Value
Vacuum Thrust (1bf) 10,000 35,000
Expansion Ratio 6.0 25.0
Throat Area (in?) 7.0 12.0
Oxidizer-to-Fuel Ratio 5.0 8.0
Chamber Length (in) 6.5 20.0
Characteristic Length (in) 35 100

Further, the current generation DEAN model is capable of exploring the full range of
DEAN designs. Over the course of six trade studies and 1500 runs, the DEAN simulation

had a reliability of 98.7% as shown in Table 5.11.

Table 5.11: DEAN Simulation Reliability

Trade Study Name Runs Failed Runs Reliability
Responses to Vacuum Thrust 250 0 100.0%
Responses to Throat Area 250 2 99.2%
Responses to Expansion Ratio 250 1 99.6%
Responses to Oxidizer-to-Fuel Ratio 250 0 100.0%
Responses to Chamber Length 250 6 97.6%
Responses to Characteristic Length 250 10 96.0%
All Runs 1500 19 98.7%
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5.4.3 DEAN Thrust-to-Weight Ratio and Turbopump Power.

Comparing previous results to the RL10 confirmed expectations about the DEAN
architecture in terms of thrust-to-weight and the power available to the turbopumps. The
three designs from previous DEAN research were reevaluated using the fourth generation
DEAN model to generate a consistent set of data to compare to the RL10 family of engines.
Table 5.12 lists the thrust-to-weight ratio and the LH2 pump power for three generations
of the RL10 and the first three generations of the DEAN. In each comparison, the DEAN
exhibited the expected increase in pump power from the second cooling loop. This increase
is dramatic, yielding over four times the power of the RL10A-3, while still remaining
under the 5900 HP demonstrated by Pratt and Whitney as part of the an upper stage
demonstrator engine [25]. Similarly, the DEAN showed the expected improvements in
thrust-to-weight ratio over the RL10 family. Further, while previous DEAN results fell
short of the vacuum specific impulse of the RL10, results from the performance trade

studies above demonstrated the DEAN can match or exceed the RL10 with the appropriate

designs.
Table 5.12: Comparison of RL10 Engine Family to DEAN Designs
Engine Fy, (Abf) Iy, vee (s)  T/W LH2 Pump Power (HP)
RL10A-3 [24, 25] 16,500 4444 532 789
RL10A-4 [24] 20,800 4489  56.2 -
RL10B-2 [24] 24,750 465.5 373 -
Generation 1 DEAN 57,231 4129 138.6 4562
Generation 2 DEAN 50,900 422.8 194.1 3688
Generation 3 DEAN 50,161 4257 1639 3340
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5.5 Conclusion

The results of this study support four key conclusions. First, the DEAN architecture,
utilizing an aerospike nozzle to implement a dual-expander cycle, is feasible and delivers
improved performance over single expander cycle engines in a compact package. The
DEAN architecture consistently achieved thrust-to-weight ratios well in excess of the
design goal of 106.5 and vacuum thrust levels of 50,000 Ibf. These designs were also
compact, ranging in length from 27 to 38 inches.

Second, the DEAN’s simulation is consistent with the scientific and engineering
principles of rocket propulsion. A series of six trade studies over a wide range of designs
and performance levels verified its performance.

Third, the DEAN exceeds the performance of the RL10 for comparable thrust levels.
Comparison of previous generation designs to the RL10 showed the DEAN’s second
cooling loop gives it more than four times the pumping power of the RL10A-3 and more
than twice the thrust-to-weight ratio of the RL10A-4 and RL10B-2. Trade study results
showed the increased pumping power gives the DEAN more than twice the chamber
pressure of the RL10A-4 and RL10B-2 while being less than half the length.

Fourth, the DEAN architecture is ready for mission specific comparisons to existing
upper stage engines. Trade studies have verified the DEAN’s architecture and demonstrated
its advantages over single expander cycle engines. Further, the results of these trade
studies have also demonstrated the current DEAN simulation has the required flexibility

and robustness for use in engineering optimization studies.
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V1. Fourth Generation DEAN Materials

6.1 Introduction

One of the key aspects of the third generation DEAN research was an initial study
on the impact of material selection on the DEAN’s thrust-to-weight ratio. This study
was performed by J. Hall for the third generation DEAN design and was implemented
by parametrically varying the material selection for each of the seven engine components
in the DEAN model which have material options. This study focused on the materials
selection for a single DEAN design. The results of the study indicated the chamber should
use silicon carbide for its cooling jacket and aluminum 7075 T6 for its structural jacket. The
aerospike nozzle should be fabricated from a single material, oxygen-free copper (C10100)
[4].

With the fourth generation DEAN simulation’s ability to model a wide range of engine
designs, it is critical to ensure the DEAN’s materials selection performs well across the
range of designs under consideration. This chapter covers the process and results used in
an updated materials selection study. This study began by optimizing the cooling channel
designs for both the chamber and aerospike cooling channels to ensure the cooling channels
provide a high degree of cooling while minimizing the fluid Mach numbers in the channels
over a wide range of engine designs. The study then examined the material choices for the
DEAN using designs of experiments covering a variety of engine designs with significant

influence on component weight.

6.2 Background
6.2.1 Cooling Channel Design Constraints.
From the beginning DEAN research has targeted reusability as one of its objectives.

During the first generation DEAN research, this objective was met by constraining the
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cooling jacket wall temperatures to 50% of the melting point for the selected material [2].
The third generation DEAN research indicated this requirement was overly conservative
and so it was modified to 60% of the melting point [4].

Constraints on the maximum Mach number in the cooling channels have been
consistently used to ensure shock waves do not form in the cooling channels, increasing
the risk of catastrophic failure. The requirements are the maximum Mach number in the
LOX cooling channels must be less than or equal to 0.6 and the maximum Mach number
in the LH2 cooling channels must be less than or equal to 0.9 [2].

6.2.2 Third Generation DEAN Materials Selection.

The materials selection study for the third generation DEAN design consisted of a
number of trade studies over the materials options for the DEAN. The objectives of these
trade studies were to identify the components with the greatest contribution to engine
weight and to select the best combination of materials for the DEAN in order to maximize
the thrust-to-weight ratio while considering reusability and manufacturability.

The results of these initial studies showed the chamber and aerospike structural jackets
consistently generated the greatest change in the thrust-to-weight ratio for changes in
material selection. The results also indicated the aerospike tip and plumbing have very little
influence on the total engine weight, and that they should be set to a reasonable material
selection in future optimization studies [4].

Hall concluded his materials studies by considering reuseability and manufacturabil-
ity. Plotting the variation of the wall temperatures for the chamber and aerospike cooling
jackets with the material options showed which materials met the resuseability constraint
of maintaining wall temperatures less than 60% of their melting point. From this data,
Hall concluded the copper (pure and oxygen-free) was a viable material for the aerospike
cooling jacket and silicon carbide was a viable material for both the chamber and aerospike

cooling jackets. Hall’s consideration of manufacturing concerns led him to conclude the
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aerospike should be manufactured from a single material to simplify the machining pro-
cesses and material interfaces. Further testing indicated the only material option for the
aerospike was oxygen-free copper. Table 6.1 summarizes the final material selection for

the third generation DEAN [4].

Table 6.1: Generation 3 DEAN Materials Selection [4]

Component Material

Chamber Structural Jacket ~ Aluminum 7075-T6
Chamber Cooling Jacket Silicon Carbide
Aerospike Structural Jacket Oxygen-Free Copper

Aerospike Cooling Jacket ~ Oxygen-Free Copper

Aerospike Tip Oxygen-Free Copper
LOX Plumbing INCONEL 718
LH2 Plumbing INCOLOY 909

6.2.3 Cooling Channel Design.

The effectiveness of cooling jackets in liquid rocket engines is driven by the design of
the cooling channels. The number of channels and their cross-sectional areas are the two
primary factors influencing cooling channel performance. They directly influence the area
in contact with the cooling fluid. These two factors are specified by the channel ratio and
aspect ratio design variables in the model [2].

In the first generation DEAN research, Martin used varying aspect ratios along the
length of the cooling channels to balance the cooling needs with the maximum Mach
number constraints. In both cooling jackets, Martin selected low aspect ratios (shorter
channels, smaller cross-sectional area) at the throat to increase the cooling rate and higher

aspect ratios (taller channels, larger cross-sectional areas) at the end of the cooling jacket
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to maintain a velocity below the maximum allowable Mach number. The smaller cross-
sectional area in the low aspect ratio regions increases the fluid velocity and in turn the
power required to pump the fluid. This increase in required pump power drives the solver
in the cycle model toward designs yielding more power from the turbine by increasing the
amount of heat extracted from cooling the engine, effectively increasing the cooling rate in
those regions. The larger cross-sectional areas in the high aspect ratio regions reduce the
velocity of the fluid and account for the decrease in density (increase in volume) caused
by heating the fluid. Combined, these two effects ensure the fluid stays below its Mach
number limit, preventing catastrophic failure of the engine [2].

The parametrization of the second and third generation DEAN models did not include
design variables for the cooling channels. In the second generation model, the author used
Martin’s aspect ratio schedules and computed the number of channels based on the ratios
in Martin’s design. In the third generation model, Hall used constant aspect ratios along
the length of each cooling channel and again computed the number of channels based on
the ratios in Martin’s design.

The fourth generation DEAN model includes parametrization for the cooling channels.
Eight design variables, four for each cooling jacket, control the number of channels and
the aspect ratios for the cooling channels, Table 6.2. The aspect ratio schedule generally
follows Martin’s design. Note: when the adjustment variables for a given cooling jacket
are set to a value of 1.0, the resulting cooling channels will use constant aspect ratios.
This mode of operation is included to support analyzing designs developed using the third

generation model.
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Table 6.2: Cooling Channel Design Variables

Variable

Description

Chamber Throat AR

Chamber Stations Adjustment

Chamber Station 5 Adjustment

Chamber Cooling Channels Ratio

Nozzle Throat AR

Nozzle Station 1 Adjustment

Nozzle Station Spike Adjustment

Aerospike Cooling Channels Ratio

Aspect ratio of chamber cooling channels at the
t