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High Speed Propulsion: Engine Design –  
Integration and Thermal Management 

(RTO-EN-AVT-185) 

Executive Summary 
Hypersonic systems will provide a revolution in commercial transport, space access (lower power density), 
and future NATO missions (global reach in 2 hours). Although hypersonic technology has significantly 
matured over the last 40 years technical challenges remain: intake design and optimization, combined cycle 
engines, integration engine – airframe, thermal management. The fact that several international research 
programs are running demonstrate a strong interest from several countries. Defence interest in a Mach 4 – 8 
aircraft (hydrocarbon fuel) include theater aircraft and weapons, missiles (tactical and strategic) and 
transport. A Mach 8 to 18 (hydrogen fuel) would include global aircraft and weapons and missiles. 
Regarding survivability, today speed is more effective than improved radar cross section.  

The objective of this special course was to provide clear guidelines regarding the design of the propulsion 
unit and integration into the airframe. First the intake physics, design and optimization was addressed. 
Turbine based cycles and rocket based cycles were considered. An important issue discussed was the 
thermal management of both the engine and vehicle. Issues related to the potential use of new synthetic 
fuels were also addressed. This short course was a unique opportunity to bring together experts from 
different horizons and raise fruitful discussions. 

The main topic of this lecture series is the engine integration in high speed vehicles. An important concern 
to be treated is the thermal management of the engine, fuel, hot structures. Other topics to be covered 
comprise: intakes physics – design – optimization, overall engine cycle analysis, and new synthetic fuels. 
The program was completed with discussions on current demonstrator programs, based on the experience 
acquired in advanced demonstrators in USA, Europe and Asia.  
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Propulsion à vitesse élevée : Conception du  
moteur – Intégration et gestion thermique 

(RTO-EN-AVT-185) 

Synthèse 
Les systèmes hypersoniques vont provoquer une révolution dans le transport commercial, l’accès à 
l’espace (densité de puissance plus faible), et les missions futures de l’OTAN (le monde entier à portée en 
2 heures). Bien que la technologie hypersonique ait sérieusement muri tout au long de ces 40 dernières 
années, des défis techniques demeurent : conception et optimisation des entrées d’air, moteurs à cycle 
combiné, intégration moteur-cellule, gestion thermique. Le fait que plusieurs programmes de recherche 
internationaux soient en cours est la preuve du vif intérêt de plusieurs pays dans ce domaine. L’intérêt de 
la Défense pour un avion à Mach 4 – 8 (carburant hydrocarbure) inclut les avions de théâtre et les armes, 
les missiles (tactiques et stratégiques) et le transport. Un Mach de 8 à 18 (carburant hydrogène) 
concernerait la totalité des avions, les armes et les missiles. En ce qui concerne la survivabilité, la vitesse 
est plus efficace de nos jours qu’une surface équivalente radar améliorée.  

L’objectif de cette session spéciale a été de fournir des directives claires concernant la conception de 
l’unité de propulsion et son intégration dans la cellule. En premier lieu, ont été traitées la physique,  
la conception et l’optimisation des entrées d’air. Les cycles turbines et les cycles fusées ont été abordés. 
L’importante question de la gestion thermique du moteur et du véhicule a été débattue. On a également 
traité les questions relatives à l’utilisation potentielle de nouveaux carburants synthétiques. Cette petite 
session a été une occasion unique de rassembler des experts de différents horizons et de susciter des débats 
fructueux.  

Le sujet principal de cette série de conférence a été l’intégration des moteurs dans les véhicules à vitesse 
élevée. Un important sujet de préoccupation devait être traité concernant la gestion thermique du moteur, 
du carburant, des parties chaudes. D’autres sujets ont été couverts : physique – conception – optimisation 
des entrées d’air, analyse globale du cycle moteur, et nouveaux carburants synthétiques. Le programme 
s’est terminé par des débats sur les programmes actuels de démonstration, basés sur l’expérience acquise 
dans les démonstrateurs évolués aux Etats-Unis, en Europe et en Asie.  

 

 



  

Preface 

Hypersonic systems will provide a revolution in commercial transport, space access, and military missions. 
This RTO Lecture Series provides clear engineering guidelines based on research carried out in USA, Europe, 
Australia, Japan and Russia. Following the keynote lecture, turbine-based cycles are introduced, including 
variable cycles. A rocket-ramjet combined cycle engine is then proposed. A lecture on detonation propulsion 
focuses on fundamental properties; various design concepts with their theoretical and measured performances. 

The second chapter demonstrates the design process of a ramjet intake through a design example for Mach 4 to 6. 
The next lecture presents engineering models of the aerodynamics and propulsion to evaluate the cruise flight 
performance of future long range missiles with special attention to vehicle-engine integration. The third note 
addresses the combined thermal loading due to the aerodynamic heating as well as reactive gas dynamics from 
the propulsion unit. Thermal equilibrium conditions of the structural parts are evaluated with and without active 
cooling. The fourth note is dedicated to the specific design of the scramjet intakes. 

The third chapter will be dedicated to scramjets and dual mode operation. The first note presents design rules 
on the isolator and nozzle, in particular to the estimation of the heat loads on a scramjet or a dual-mode ramjet. 
Solutions to sustain such high energy will be proposed and how to combine materials, cooling techniques and 
system requirements. 

The final chapter starts with the overall system analysis of scramjets, considering what is the optimum number of 
engine modules; comparison between fixed or movable geometry; effect of engine mass and size to on-trajectory-
performance of an air-breathing space launcher. The second note presents an overview on EU funded research 
programs. The third note presents the major achievements and lessons learned from the Sanger II project, with 
emphasis on the selection of the combined cycle engine, propulsion operational modes. The last note will review 
the LEA program and its contributions to address key technologies considering potential future extensions. 
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ABSTRACT 


In the late 80ties and 90ties many programs were initiated in US, Russia, Japan and European countries
for future space transportation systems, using airbreathing combined cycle propulsion systems. This was
believed to be the Key to "system fully (or at least) partial reusability". The integration of such an engine
with the airframe has been identified as the most difficult challenge for the engineering design approach.


The major technological requirements (e.g. "thrust minus drag" assessment) for optimum engine/airframe
integration for flight vehicles using airbreathing propulsion are outlined. The major features of the
internal flow-path through the airframe will be discussed specifically for the potential choice of air-
intake/forebody and nozzle/afterbody design. Severe limitations of existing ground test facilities and
reliable computational methods for technology verification and validation led in most studies to various
proposals for flight testing. Due to the enormous high cost for technology development most trends show
therefore more air-launched "simple flying testbeds" for propulsion systems demonstration rather than the
classical "Experimental (X-) Aircraft" approach
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1.0 THE APPROACH OF THE GERMAN HYPERSONICS TECHNOLOGY
PROGRAM (1988-1995)


Fig. 01 SÄNGER/HTP: Schedule of the German Hypersonics Activities


In Germany efforts dedicated to these Key-Technologies were initiated during 1987-
1995. They were undertaken by international cooperation within the German
Hypersonics Technology Program. After having performed extensive System Concept
Study work the decision was made to select a TSTO concept ("SÄNGER") as Leading
Reference Concept for the development of the above listed "Key-Technologies" in
three major time frames. At the end, mainly to shortcomings of the national budget, the
program was transferred as a starting point to an ESA initiated international European
program named FESTIP (Future European Space Transportation Investigations
Program).
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2.0 "THE KEY-PROBLEM"


Fig. 02 "Key-Technology No. 1" for A/B Engines: Engine/Airframe Integration


The most important problem for the integration of an airbreathing engine with an
airframe designed for horizontal take-off and capable for flight up to
supersonic/hypersonic speed is a sufficient large positive overall thrust minus drag
balance for the acceleration of the vehicle. This requires a maximum of engine thrust
performance, a minimum of engine/airframe integration losses and the vehicle
aerodynamic drag reduction with high prediction accuracy. This requires validated
numerical computational tools and therefore experimental Facilities for the
simulation of the flight environment on ground. Both requirements are not easy to
achieve even in present time. Therefore the proof of successful engine/airframe
integration has led to many proposals for in-flight demonstrator concepts.


Thrust - Drag > 0
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 Minimization of Engine/Airframe Integration Losses


Engine Thrust Enhancement


Aerodynamic Drag Reduction (Drag Prediction Accuracy ?)
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Fig. 03 Aerodynamics of Engine/Airframe Integration


The next viewgraph shows schematically the major aerodynamic forces acting on an
aircraft with an integrated airbreathing engine. There are very high forces at all engine
components and the resulting net-thrust to accelerate the vehicle against the
aerodynamic drag is a small difference of nearly equally high numbers. This becomes
specifically true at transonic speeds (e.g. "show-killer" for the NASP). There is a high
sensitivity with regard to nozzle-aft-body-integration, losses due to the intake-installation
and the real gas effects at hypersonic speeds beyond Mach 5. The impact of forces
related to the engine on the pitching moment of the total vehicle is important (e.g. trim-
losses). The conclusion is that the propulsion system and the airframe have to be
optimized together.
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3.0 VEHICLE CONFIGURATIONAL ASPECTS)


Fig. 04 Tasks for Engine/Airframe Integration of a Turbo-Ramjet Propulsion
Concept


The engineering tasks for the optimum engine/airframe integration will be briefly
discussed at an example of a turbo-ramjet propulsion engine concept. The reasons for
this choice of engine concept will be outlined later.
First, on the engine side, the variable air inlet, the fuselage nozzle extension, the engine
cowling and the boundary layer management are the most important engineering tasks.
Second, on the airframe side, base drag (reduction), forebody flow and pre-
compression, thrust vector definition and control and the fuel supply system have to be
investigated and
Third, an overall resulting performance and thermal analysis of the overall system has
to be performed.
This leads to several mostly iterative loops ("Trade-Offs") and hopefully finally to a
converged system concept fulfilling the design mission requirements.
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Fig. Nr. 05 Engine Airframe Integration Issues


This slide shows the impact of integrating an airbreathing engine on the lower fuselage
of a typical configuration designed for high speed. The forebody shape is used as a
precompression ramp of the engine intake and the afterbody is used as an additional 2D
expansion ramp.
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Fig. 06 Engine/Airframe: Examples of the Choice of Systems Integration Concept


An alternative to the highly integrated engine on the lower side of an aircraft would have
been the more "conventional" nacelle Integration concept of an airbreathing engine but
with nacelles integrated in the wing structure not carried by pylons below or above of the
wing. This has been already demonstrated by the famous SR-71.
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Fig. 07 Air-Breathing Propulsion System Integration for Different Types of
Aircraft


A compilation of the major characteristics of alternative integration types is given by
comparing the most important Pro's and Con's in this table. The Concorde as well as the
SR-71 are both restricted to relative low supersonic Mach numbers. This is mainly due
to the missing precompression effect of the aircraft fuselage afterbody nozzle expansion
ramp. But on the other hand the asymmetric afterbody expansion ramp produces a high
influence on the pitching moment of the whole vehicle which has to be controlled. This
leads in most cases to additional trim-drag and will be discussed later in detail.
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Fig. 08 Integration Aspects of Airbreathing Engines in Launchers


A summary of the integration aspects of airbreathing engines in hypersonic vehicles
(= launchers) concludes this section:


 Aerodynamic shape and propulsion system have to be optimized together


 Main elements of the airbreathing engine are precompression, intake and
diverter system, nozzle and afterbody integration


 Trade-offs are needed for "thrust-minus-drag", moment characteristics, structural
mass, fuel filling factors, aerodynamic complexity and etc.


 The most critical item is the hypersonic intake: high pressure recovery and air
capacity characteristics, safe operation (prevention of intake un-start), and
favourable compatibility parameters for the wide range of flight Mach numbers
(temperatures and pressures) built from light weight structure


 A further promising feature is base pressurisation by heated bleed air ("external
burning")


 Reduction of engine size by increasing engine numbers leads to physical
integration problems (see SÄNGER)
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4.0 ENGINE CYCLE


Fig. 09 Alternative Air-Breathing Propulsion System Concepts under
Consideration for Hypersonic Speed


At the beginning of the 90ties RAM and Rocket/RAM Propulsion was already applied to
Missiles. Turbo-RAM had been tested and flown in Russia and the US for military
aircraft. SCRAM and RAM-SCRAM were investigated in simple experimental windtunnel
models within the German Hypersonics Technology Program and in the French
PREPHA. Turbo-RAM-SCRAM seems to be the next logical step. But before this step
was taken a comprehensive Trade-Off was undertaken within the German TSTO
SÄNGER program as the next slide shows.
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Fig. 10 Airbreathing Propulsion Concepts Investigated During the TSTO
SÄNGER Program


For the first stage of the SÄNGER concept the Turbojet/Ramjet was chosen with a
concentric internal Flow-path. Mainly due to its volumetric design the parallel
arrangement of the Turbo and RAM mode was not investigated any more. The Turbo-
expander/Ramjet either with Heat-exchanger or with Pre-combustion was considered to
be out of practical reach and the Turbofan/Ramjet concept was due to the high entry
temperature into the compressor not able to reach Mach around 6, the separation Mach
number of the SÄNGER stages.
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Fig. 11 Performance Rationales of Airbreathing Engines


In order to understand the rationale for selecting the propulsion system concept for
SÄNGER first stage is important to compare the major performance characteristics of
the engine cycle types which were under consideration as potential candidates. The left
side of the slide shows the specific impulse values of the different engine types and on
the right side the thrust to weight ratios. Included in these charts are the values for a
rocket engine. The assessment of the individual "Pros" and "Cons" in addition to
availability and cost needed for technology development led finally to the selection of the
turbojet/ramjet combined cycle engine.
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Fig. 12 Alternative Fundamental Propulsion System Concepts and Combinations


In this slide the typical values for specific impulse of three basic engine types: turbojets,
ramjets and rockets including variants, turbo expander cycle engine and scramjets are
given within some bandwidth. For the turbo engine there are shown two operational
modes: with and without afterburner (reheat and dry). Only the rocket engine with its
very low specific impulse can cover the whole Mach number range required for the
SÄNGER first stage. This has led finally to the selection of a combination of two basic
engine types, the turbo-ramjet combined with the ramjet.
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Fig. 13 Engine/Airframe Integration: Most Critical Design Limitations


The engine for a high speed transport vehicle has to be designed to meet the most
critical design limitations given by the flight trajectory especially for the ascent part and
the mission constraints and integration limitations as the figure shows. The size of the
Turbo-engine is first of all defined by the take-off thrust requirement. The flight at higher
Mach number (after transition from the turbo-to-ram operation mode) along the trajectory
is performed at constant dynamic pressure according to the limitations of the airframe
structure. This defines the size of the ramjet burner and the nozzle throat. Remarkable
to note: The size of the intake capture area is designed for the maximum Mach number
at high altitude and the pressure inside the engine. Although the intake has variable
intake ramps this leads in many cases to spill-drag due to by-passing parts of the airflow
at low speeds ("Intake Design Miss-match").
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5.0 FOREBODY DESIGN


Fig. 14 Influence Paths of Forebody Design


The design of the forebody is responsible not only for lift, drag and stability. It also
influences the engine design and performance. This rather complex interacting problem
is shown schematically in this figure. The shape of the whole bottom side of the fuselage
has to be designed to achieve a maximum precompression of the undisturbed airflow in
order to enlarge the amount of air captured by the intake. One additional problem exists
for the forebody design: The boundary layer of the forebody has to be separated before
entering the intake by a diverter. In case of the SÄNGER design the boundary layer air
is led through the fuselage by a separate duct and then is blown in the nozzle external
part.
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Fig. 15 Engine/Airframe Systems Integration: Pre-compression of Forebody
Shape at the Lower Side


The effect of forebody precompression is explained in this figure by comparing the mass
flow density "stream tube area ratio" A/A0 for a flat plate and the SÄNGER type
forebody. In both cases this ratio is strongly increased with freestream Mach number
and AoA.
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Fig. 16 Precompression Effect on Net Thrust of Turbo-Ramjet Engines


The next figures will show examples for the comprehensive design work which has been
undertaken within the Hypersonics Technology Program. For two experimental flying
test-beds (HYTEX and RADUGA) to demonstrate the impact of forebody
precompression performance at hypersonic flight conditions alternative forebody shapes
have been investigated in detail using numerical methods. Fig. 17 shows the geometry
of the forebody shapes. Fig. 18 and 19 presents the results.
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Fig. 17 The Impact of Forebody Precompression Performance at Hypersonic
Flight Conditions


The next figures will show examples for the comprehensive design work which has been
undertaken within the Hypersonics Technology Program. For two experimental flying
test-beds (HYTEX and RADUGA) to demonstrate the impact of forebody
precompression performance at hypersonic flight conditions alternative forebody shapes
have been investigated in detail using numerical methods. Fig. 17 shows the geometry
of the forebody shapes. Fig. 18 and 19 presents the results.


HYTEX RA3orig. HYTEX RA3mod.


RADUGA D2a


RADUGA D2ab


Body-Shape Variations at the
HYTEX-R-A3 and RADUGA D2
Configuration


Ref.: Berens, Bissinger, AIAA-98-1574, Norfolk
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Fig. 18 & 19 The Impact of Forebody Precompression Performance at Hypersonic Flight
Conditions, HYTEX (above), RADUGA (below)


Static Pressure Ratios pso/ps


Intake entry Machnumbers Mao


Total Pressure Ratios pto/pt


Stream Tube Area Ratios A/Ao


For the HYTEX R-A3orig. and R-A3mod.
Vehicle forebodies in Front of the
Inlet Location


Ref.: Berens, Bissinger, AIAA-98-


Static Pressure Ratios pso/ps


Intake entry Machnumbers Mao


Total Pressure Ratios pto/pt


Stream Tube Area Ratios A/Ao


For the Raduga D2a and D2ab
Vehicle forebodies in Front of the
Inlet Location


Ref.: Berens, Bissinger, AIAA-98-
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6.0 INTAKE DESIGN


Fig. 20 "Key Technologies": Engine/Airframe Integration wrt Intake Design


Shows the Intake design to be built and flown on the hypersonic test-vehicle HYTEX RA-
3. On this vehicle a possible engine configuration would have a combustion chamber of
50 cm and a total length of the complete engines of about 8m. Two windtunnel models
with 2-D geometry with 1:10 scale had been designed and two of them were tested up to
hypersonic speed in the German windtunnel TMK at the DLR in Cologne.


The first generic model with a cross flow section of 10cm x 10 cm, fixed ramps and
movable side walls was tested at "cold" free-stream numbers of M = 2.9 and 5.
Based on this experience a second generic model was built with the same scale, but
with boundary layer (from a flat plate simulating a forebody) without diverter duct and
four movable ramps but again only in "cold" free-stream numbers of M = 4.5, 5.0 and
5.2.
The next logical third step was then in 1994 the design of a full scale intake to complete
the SÄNGER propulsion system. The combustion chamber with nozzle was already
tested in the MBB connected pipe test facility in Ottobrunn with a 30 cm diameter scale.
It was planned to integrate all three engine components in the large 50cm diameter
scale in 1995 and to test the complete engine in a large windtunnel test facility up to
Mach 7. The choice was made to use for this test the APTU test facility of AEDC,
Tullahoma in the United States.


Objectives:


- Assessment of the impact of true
temperature corresponding to flight
Machnumbers up to 7
(requires "free-jet" testing)


- Data acquisition during test,
verification and validation of design
tools


- Impact of materials and structures
on intake design and manufacturing
for high temperature testing intakes with
variable geometry parts
(e.g. ramps with cooling, sealing, pressurizing, ...)


Objectives:


- Assessment of the impact of true
temperature corresponding to flight
Machnumbers up to 7
(requires "free-jet" testing)


- Data acquisition during test,
verification and validation of design
tools


- Impact of materials and structures
on intake design and manufacturing
for high temperature testing intakes with
variable geometry parts
(e.g. ramps with cooling, sealing, pressurizing, ...)
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Fig. 21 CFD for Prediction of Machnumber and Massflow density at the Cross-
Section where the Intake Entry Plane will be Located


As a result of the design of the forebody the flow properties at the cross section of the
airframe body at the location of the intake caption area (A0) have been calculated for
Mach 6.8 (stage separation) and 60 AoA using CFD Euler codes. The lines are isolines
for local Mach number (left) and mass flow density (right).
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Fig. 22 CFD for Prediction of Machnumber and Massflow density at the Cross-Section at
the Installed Intake Entry Plane


In Fig. 22 the isolines within the intake capture area is shown. From this picture the non-
uniformity of local Mach number and local flux can be assessed within the intake capture
area. The important result of the design of the forebody has already shown and
discussed in Fig. 16.
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7.0 NOZZLE DESIGN


Fig. 23 Characteristic Features Different Types of Nozzle Concepts


This brings us to the second most important engine/airframe integration design problem:
the choice of an appropriate nozzle type and its "mating" with the aircraft afterbody. For
a hypersonic flight vehicle there exists an extreme wide range of nozzle pressure ratios
from about 2 up to 500 and therefore resulting nozzle throat and exit areas varying from
1 to 6 between minimum and maximum size. This Figure shows the three well known
types of Nozzles:
- axisymmetric convergent-divergent
- two dimensional convergent-divergent and
- Single Expansion Ramp Nozzle (SERN)


Axisymmetric
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Variable Throat Area


Performance


Weight
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Cooling
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Fig. 24 Configurational Basic Nozzle Types under Consideration


This chart goes a little bit more in details of the different options for selecting an optimum
nozzle type. For the SERN an additional variant with a plug for SÄNGER was
investigated. The plug has to be movable forward and backwards to provide a variable
nozzle throat area. After having considered all pros and cons during several trade-offs
the 2D SERN was selected for the SÄNGER first stage.
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 Nozzle Exit Area Optimization is an Important, Configuration Dependent
Trade-Off, Considering Internal Performance, External Drag, Thrust
Vector Direction, Longitudinal Stability, Nozzle Weight & Cooling
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Ref.: O. Herrmann, AGARD Fort Worth 91, Pap. No. 32
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Fig. 25 Effect of Nozzle Expansion Exit Area on Net Thrust


The next chart addresses the important decision on the length of the un-symmetric
expansion Nozzle ("A9"). The nozzle area extension requires configurational trade-offs,
the consideration of the internal nozzle performance, vehicle external dag, definition of
the resulting thrust vector direction and its influence on longitudinal stability and, in
addition, structural impacts e.g. weight and cooling. The figure shows the location of the
final design. Plotted is the relative net thrust versus A9/A0.  = 1 (stochiometric) is the
fuel/air ratio.
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Nozzle Design not only Effects Thrust, but Largely Trim & Stability


Ref.: O. Herrmann, AGARD Fort Worth 91, Pap. No. 32
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Fig. 26 Euler Results for 2D-SERN Nozzles: Nozzle Force Angle with Regard to
HRD


From the previous charts (Fig. 21) we have seen that one of the biggest Problems from
SERN Nozzle arrangements is its Mach-dependent generation of large negative thrust
vector angles especially in the transonic speed range. With CFD Euler codes numerical
investigations were undertaken to assess these nozzle force vector angles and to find
appropriate means to improve this effect on longitudinal stability. The calculations were
done following three different assumptions for the jet flow acting on the SERN Nozzle
concept. Single flow nozzle without injection of secondary air resulting in extreme
downward directed forces. In case of a Double-flow nozzle boundary layer air was
injected unheated and heated. This led to a reduction of the downward vector angle by a
factor of 2. In case of a tripple-flow nozzle it was assumed turbojet operation in parallel
to the ramjet engine and ejection of the forebody boundary layer. This would reduce the
negative thrust vector angle to less than 10 deg. But this would require a complete
different arrangement of the turbo and ram engine (wrap around or over-under).
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8.0 BOOK KEEPING


Fig. 27 Book-Keeping (Force Accounting) Different Alternatives


An assessment of the total drag of a flight vehicle without an airbreathing engine is more
or less the sum of aerodynamic components e.g. viscous drag, induced drag,
interference drag etc., all related to the vehicle external flow field. In case of a highly
integrated airbreathing engine an internal flow-path exists which contributes additional
drag components. Within an integrated design team aerodynamicists and propulsion
engineers have to agree on the definition of a so-called "Book-Keeping" technique which
clearly defines the area of responsibility. It is clear that these boundaries are strongly
dependent on the vehicle shape and the selected engine type and geometry. The Fig.
24 shows on example for a hypersonic flight test vehicle which has been selected as a
demonstrator for engine/airframe integration (SÄNGER Type).
In the upper case all surfaces contributing to the propulsion flow include forebody,
intake including the first (or more) compression ramps, Intake cowl lip, the complete
engine internal duct, the nozzle and the complete expansion ramp. So the
aerodynamicist must not take care of some major lifting surfaces. The interface between
external and internal flow-path becomes a function of Mach,  and .
In the lower case the propulsion responsibility starts from the engine face (after the
intake) and ends at the nozzle throat. The boundary here is well defined but the
propulsion analysis starts with a complex flow which has to be specified for all flight
conditions along the mission trajectory. Questions: what happens with the boundary
layer? Who is responsible for intake un-start?


Ref.: K. Numbers, Hypersonic Propulsion System Force Accounting, AGARD 7.-10.
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Fig.28 Gross Thrust – Net Thrust – Required Thrust


The next figure shows thrust and drag of a turbo-ramjet engine calculated along a typical
(e.g. SÄNGER first stage) ascent flight trajectory. From take-off to Mach 0.9 the engine
works without afterburner. It is assumed that the turbo-ramjet engine is configured (e.g.
"over/under" parallel or "wrapped around" co-axial) that the engine types, ramjet and
turbo with max reheat, can both operate simultaneously in parallel. Transition from the
turbo to ram takes place at Mach 3.5. The boundary layer is diverted from the intake
during turbo operation but not during ramjet operation. This causes a step in thrust at
Mach 3.5 mainly due to the reduced pressure recovery and mass flow. In addition a
cruise phase is foreseen at Mach 4.5 (Required thrust = net thrust). The critical value
thrust minus drag is clearly shown where only a small positive thrust is available for
acceleration of the vehicle.
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Fig. 29 Thrust and Installation Losses for Ascent Trajectory (TSTO-SÄNGER)


A more detailed drag brake-down into its main components is shown in the next figure,
left side. At Mach numbers  3 the nozzle drag (the nozzle design point is near
Machmax), the spillage drag (the engine can ingest only part of the intake flow), and the
wave and friction drag of the diverter are the major parts of the engine installation drag
with its maximum peak at transonic and low supersonic speed.
The figure on the right side shows the results from the SÄNGER first stage analysis of
ideal nozzle gross thrust, installation drag brake-down, the installed net thrust and the
overall vehicle drag. Differences with the previous Fig. 25 result from the different turbo-
ramjet arrangement which does not allow parallel operation of turbo and ram mode.
Please note: Installation losses due to propulsion integration are of the same order as
vehicle drag.


Installation Losses due to Propulsion Integration are of the same
Order as Vehicle Drag
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Fig. 30 Engine/Airframe Integration Design Philosophy wrt A/C Stability & Trim


In addition to the engine airframe integration effects on drag is its effect on the
longitudinal moment of the flight vehicle. Therefore these propulsion system's induced
effects have to be optimized together with the aerodynamic flight mechanics and flight
performance together with the design of the airframe. It has already been discussed that
the forces acting at the intake as well as the nozzle and after-body expansion rate are
not in line with the flight direction. Due to the strongly asymmetric design of the intake
and nozzle and due to the great distances between the components of the propulsion
system and the center of gravity of the vehicle, the resulting moments are in the same
order of magnitude as the aerodynamic moments of the aircraft itself. The Fig. shows
the impact of the Turbo- and ramjet-effect during operation. During low subsonic,
transonic und low supersonic flight the compensation of the nose-up generated pitching
moment by aerodynamic controls would result in additional trim-drag. Therefore the
design of the shape of the airframe ("Camber") can balance the nose-up moment to
some extent. The same process works for supersonic speed in the opposite direction.


Influence of Propulsion on Vehicle Stability is Large, therefore
Dominating Conceptual Vehicle Designs
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9.0 EXPERIMENTAL VERIFICATION


Fig. 31 Engine/Airframe Integration requires Technology Verification under "Real
Flight" Conditions


The thesis is that engine/airframe integration requires Technology Verification under
"Real Flight" conditions. For conventional Aircraft design for subsonic and low
supersonic aircraft using experimental windtunnel techniques and numerical CFD codes
are quite well established and validated. But this is not the case for hypersonic speed
and specifically not for the subject of engine airframe integration. Ground testing "as
much as possible" and flight testing "as much as necessary" is the general accepted
philosophy.
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Fig. 32 NASA: Technology Readiness Level (TRL) - Definition


A technology Readiness Level 6 according to NASA definition is generally required for
the development of a new transport system. For engine aircraft integration and
operations that means mandatorily the demonstration by flight testing.
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Ref.: Stanley, Piland IAF 93-V.4.627, Oct. 16-22, 1993,


Engineering Engine/Airframe Integration for 
Fully Reusable Space Transportation Systems  


1 - 32 RTO-EN-AVT-185 


 


 







Fig. 33 Objectives for Hypersonic Flight Demonstration
(Flight Range 3 < Mach < 7 - ?)


The most important objectives for hypersonic flight demonstration in the speed range of
3 < Mach < 7 are listed.


(1) Proof of RAM-Performance in "Real" Flight Conditions


(2) Proof of Operating Air Intake System


(3) Proof of Successful Performed Engine/Airframe
Integration Concept


(4) Validation of Design Tools Applied for Structures and
Aerothermodynamics


(5) Proof of Hypersonics System Design
(e.g. Sensors, Actuators, FCS etc.)


These Tasks have to be realized within the Limits of Time and Budget
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Fig. 34 Potential RAM(SCRAM)-Jet Demonstrator Concepts for Mach = 6 - 8


Several proposals for different concepts of potential ram- or scram-jet flight
demonstrators have been published worldwide. They can be in principle grouped in two
categories: ground launched vehicles and vehicles being launched from an existing
carrier (e.g. aircraft, rocket, missile ..). The first group means X-planes (e.g. X-15) which
are generally large costly programs. The second group is therefore much attractive
concerning an available budget (e.g. X-43a or more recently X-51).
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Fig. 35 Experimental Flying Testbeds fully Integrated for Propulsion Systems
During the German HTP and FESTIP (1988 – 1998)


In Europe several experimental flying testbeds with integrated rocket engines were
proposed within the international FESTIP program (EXTVs and Phönix). Concepts for
the demonstration of successful in-flight operations were investigated within the
hypersonic technology program together with Russian partners (Hytex family and
RADUGA D2).
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Fig. 36 Engine/Airframe Integration for Hypersonic Speed Requirements for
High-Temperature resistant Materials


Airbreathing engine airframe integration for hypersonic speed led also to requirements
for high temperature resistant materials and structures. In the range of 6< Mach < 8 "real
flight environment" could not be simulated in experimental ground testing facilities with
the exception of very short time measurements. Therefore not for propulsion operation
using intakes and nozzles. Numerical Methods are available but those methods need
also validation by in-flight data acquisition.


CFD Results for Adiabatic Wall, Emissivity = 0.85, Angle of Attack = 5 deg.
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Fig. 37 Innovative Flight Demonstration of Successful Engine/Airframe
Integration and Installed Thrust Performance at Hypersonic Speed


Within the Hypersonics Technology Program in Germany a proposal was made for an
innovative flight demonstration of successful engine/airframe integration and installed
thrust performance at hypersonic speed. A stepwise approach should be performed
starting with an unmanned air-launched ramjet demonstrator for 3.5 < Mach < 6. Within
one decade also supersonic combustion demonstration should be achieved.


Phase I (Air-Launched using e.g. Carrier A/C, Booster,…)
RAM-Jet Demonstration
3.5 < Mach < ~ 6


1) Concept Definition


2) Development


3) Flight Demonstration
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Phase III
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0 < Mach < Mmax
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Fig. 38 From "Experimental A/C" to "Flying Testbed"


This figure gives a review on several flight testing vehicle concepts investigated in the
hypersonic technology program were discussed. Forced by the steadily growing
limitation of the budget the way goes from a very comprehensive hypersonic
experimental aircraft to a ramjet engine aircraft integration demonstrator and ends finally
with an in-flight ram/scram-demonstrator using an existing Russian missile named
RADUGA D2 launched from a Russian carrier Aircraft (Tupolev M22). Both engine
operation modes had been already tested in Russian windtunnels at TsAGI.
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Fig. 39 "Flying Test Bed" RADUGA Drone D2: Work-Share for International
Cooperation


For the RADUGA D2 flying testbed an agreed work-share of international institutions of
industry, research institutes and universities is shown in the next figure. The activities
cover all technical disciplines needed for launch, flight demonstration after separation
from the carrier aircraft at supersonic speed, data acquisition and transmission to the
ground and recovery of the vehicle on ground. It should be mentioned that the German
OHB had already received a real hardware of the RADUGA missile D2 from the Russian
partners which can be seen in Bremen exposed to visitors. Unfortunately the program
was cancelled end 1995. Ten years later a similar experiment has been flown in the US
using a Pegasus first stage carrying the X-43A being launched from a B2 which required
a Budget one ordered of magnitude higher than the European/Russian approach.
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Fig. 40 RADUGA D2 with Integrated Turbo-Ram Engine for Flight Testing


Shows how detailed the design of the RADUGA D2 has already been accomplished.
The ramjet engine integrated under the fuselage of the Russian missile should have
used liquid Hydrogen as fuel for accelerating the missile to a maximum Mach number
around 5.6. A speed which had already been flown in Russia in the late 60ties many
times using the same structure but propelled by a rocket.


Engineering Engine/Airframe Integration for 
Fully Reusable Space Transportation Systems  


1 - 40 RTO-EN-AVT-185 


 


 







Fig. 41 Nov. 16, 2004:
NASA's X-43A unmanned research vehicle demonstrated an air-breathing
engine can fly at nearly M = 10 at an altitude of approx. 110,000 feet.


Pictures: Credit
NASA
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10.0 CONCLUSIONS


 Airframe Fore- and Afterbody Design have Large Effect on Propulsion
System Performance


 Propulsion System Design (Intake, Nozzle) have Great Influence not only on
A/C Performance, but also Trim, Stability, Control


 Propulsion System Design has to be Part of the Overall A/C and Airframe
Design Process


 Propulsion Design is no Longer a Selection & Addition of Elements and
Components, but Requires Integral Design


 Airframe-Engine Integration for Hypersonic Vehicles Requires Tools,
Processes, Skills and People that Communicate and Integrate Airframe &
Propulsion Related Knowledge
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SUMMARY 


High speed propulsion employing turbojets, turbofans and variable cycle engines is interpreted here as 
propulsion for supersonic air vehicles with flight Mach numbers up to the technical limits of the gas 
turbine. This limit is somewhere between flight Mach numbers of 3 to 4. If the mission asks for higher 
vehicle speeds then other propulsion concepts need to be considered, eventually in combination with gas 
turbines dedicated to take off, acceleration and the return segments of the mission. 


First the thermodynamic cycles of dry and reheated turbojets as well as turbofans are examined at 
supersonic flight Mach numbers. All point performance calculations are done for altitude/Mach number 
combinations on a line in the middle of a typical flight envelope with constant equivalent airspeed EAS. 
For the flight condition of Mach 2 at 11km altitude it is shown that for a given thrust the size of a dry 
turbofan is significantly bigger than that of an engine with afterburner. 


However, all the engines must not only be able to operate at their supersonic design condition but also at 
all the combinations of Mach number and altitude on the flight path from take off to maximum speed. This 
off-design requirement influences the selection of the aerodynamic compressor design point and 
consequently also the size of the turbomachines. 


A short section about variable cycle engines explains with an example how such a machine operates with 
the various settings of flow diverter valves, mixer and nozzle area. It is shown that in addition to these 
adjustable geometry elements the core driven fan stage needs variable inlet guide vanes. 


Finally two components that are not found in engines designed for subsonic flight are described in some 
detail with examples: the afterburner and the variable area convergent divergent nozzle. 


1.0 INTRODUCTION 


Whatever the propulsion concept is, the flight envelope of any vehicle to be launched from an airfield 
begins at the lower end with sea level static. Take off is an important off-design condition for a gas turbine 
designed for supersonic propulsion. The flight envelope is limited by two boundaries that are 
approximately lines of constant equivalent air speed EAS. The lower EAS boundary represents an 
aerodynamic limit of the aircraft (maximum lift coefficient), the upper boundary is a structural limit of the 
air vehicle. 


Figure 1 shows a flight envelope with 200 and 700knots as boundaries together with lines of constant 
stagnation temperature. The EAS boundary values are typical for modern fighter aircraft with a maximum 
speed of around Mach 2. Air vehicles designed for Mach 3+ have a much more narrow flight envelope 
with boundaries of 310 and 420knots in the case of the famous Blackbird SR-71, for example. 
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Figure 1: Flight Envelope. 


From the figure one can read that the stagnation temperature at a Mach number of 4 is 890K. This value is 
near to the material temperature limit of modern compressor disks. There is only a small temperature 
margin left for compressing air – if that makes sense at all. 


In the following we look at first at the thermodynamic cycle of engines that are designed to operate only at 
a single point in the flight envelope. The fact that any engine must operate satisfactorily also at take off 
will be considered later.  


2.0 POINT PERFORMANCE 


For evaluating the performance potential of various gas turbines it is convenient considering at first the 
thermodynamic cycle at selected flight conditions. For that purpose several points along a flight path in the 
middle of the SR-71 flight envelope (constant EAS=375knots) are selected for thermodynamic studies 
yielding numbers for specific fuel consumption and specific thrust (thrust per unit of airflow). Maximizing 
specific thrust means that for a given thrust requirement the engine has the smallest size. 
 
All engines examined have polytropic efficiencies of 0.9 for both the compressors and turbines. With a 
burner exit temperature of 1500K for the cooling of the turbine inlet guide vane 2% of the compressor air 
flow air is used and for cooling the following turbine parts 1%. With T4=2000K the amounts of cooling air 
are 10% and 6% respectively. Burner pressure ratio is taken into account with 0.97 and turbine exit duct 
pressure ratio is 0.98. Altogether these assumptions describe the state of the art of gas turbine design. 
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Inlet pressure recovery depends on Mach number as described by MIL-E-5007: 
 


 
 
The nozzle is modeled as an ideal convergent-divergent design - the exit area is such that the exhaust 
gases expand to ambient pressure. 


2.1 Turbojet 


2.1.1 “Dry” Turbojet 


The most simple gas turbine is the straight turbojet as sketched in the top part of Figure 2. Figure 3 shows 
specific thrust (i.e. thrust per unit of air flow) and specific fuel consumption SFC for three altitude / Mach 
number conditions along the 375knots flight path. The highest burner exit temperature yields always the 
highest specific thrust. For the two lower Mach numbers of 1.2 and 1.8 a compressor pressure ratio of 
more than 30 yields the lowest specific fuel consumption. At the flight Mach number of 2.4 there is a SFC 
optimum with respect to pressure ratio around 20 to 22.5. 
 


 


Figure 2: Turbojet Nomenclature. 
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Figure 3: Dry Turbojet. 


However, the thermodynamically optimal pressure ratio cannot be achieved in a real world application 
because the compressor exit temperature is limited to values not much higher than 900K. This limitation 
originates from the maximum tolerable compressor disk material temperature. Cooling the last compressor 
disk requires air that has sufficient pressure and this high pressure air has – if not cooled by some special 
means – the compressor delivery temperature. Therefore the pressure ratio is restricted at Mach1.8 to 
around 21 and at Mach 2.4 to a value as low as 9, indicated by the dashed line in the respective carpet. 
 
For the next examination, which covers the complete Mach number range along the flight path with 
375knots, we select as burner exit temperature T4=1900K and adjust the pressure ratio in such a way that 
the compressor delivery temperature is T3=900K. Figure 4 shows four important parameters along the 
flight path. With the chosen assumptions the highest achievable Mach number is slightly below 4. 
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Figure 4: Dry Turbojet, T3=900K. 


Specific thrust decreases from 932 to 567m/s (-39%) which goes along with an increase of specific fuel 
consumption by +67% from 29.3 to 49 g/(kN*s). Above Mach 3 the pressure ratio decreases from 4 to a 
value of little more than 1 at the top Mach number end. Obviously it does not make very much sense to 
employ a dry turbojet as the sole propulsor if the design Mach number is much higher than 3. 
 
Note that in spite of the decreasing compressor pressure ratio the nozzle pressure ratio increases up to 
nearly 100 at the right end of the examined range of Mach numbers. There the nozzle inlet pressure is 
created nearly exclusively by the engine intake. Thus the quality of the propulsion system at very high 
flight speed is dominated by the intake and the nozzle performance. Compressor and turbine efficiencies 
are no longer important in such an application. The two temperature-entropy diagrams for Mach number 
1.2 and 3.9 shown in Figure 5 make that obvious. 
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Mach 1.2 Mach 3.9


 


Figure 5: Dry Turbojet. 


2.1.2 Turbojet with Reheat (Afterburner) 


Thrust of a straight turbojet can be increased by adding a reheat system (an afterburner) which makes use 
of the remaining oxygen and increases the gas temperature from T5 (turbine exit temperature) to the reheat 
exit temperature T7 of about 2000K. This requires additional fuel and makes the “dry” turbojet to a “wet” 
turbojet. 
 
Due to the high gas velocity in the reheat pipe the burning efficiency is significantly less than in the main 
burner; the following cycle calculations employ a value of 90%. Cooling of the afterburner casing and the 
nozzle requires about 10% of the total mass flow. In the simulation the cooling air is mixed with the hot 
gases upstream of the nozzle throat. 


Figure 6 compares specific thrust and specific fuel consumption of the dry turbojet with the wet (reheated) 
version. At the low Mach number end (Mn=1.2) one can get a significant increase in specific thrust 
(+38%) at the expense of +40% more specific fuel consumption. At the high Mach number end of the 
examined flight path the thrust boost is reduced to +25% accompanied with an moderate increase of 
specific fuel consumption (+6%). 
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Figure 6: Reheated Turbojet, T3=900K. 


Figure 7 shows the temperature entropy diagrams at both ends of the flight path. The thrust boost of the 
afterburner is a result of the temperature rise from turbine exit temperature T5 to reheat exit temperature 
T7. This temperature difference is much smaller at the high Mach number end.  
 


Mach 1.2 Mach 3.9


 


Figure 7: Reheated Turbojet. 
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From the temperature – entropy diagrams one can also see that at the low flight Mach number much heat 
is added at the turbine exit pressure P5 which is significantly lower than the pressure in the main burner P3. 
This is thermodynamically not desirable because the entropy rise for a given temperature difference is 
increasing with decreasing pressure. At the high Mach number end of the flight path there is nearly no 
difference between the pressures P3 and P5 and therefore the increase in specific fuel consumption due to 
reheat is moderate. 


2.1.3 Ramjet 


A ramjet can be considered as a degenerated reheated turbojet: one with compressor pressure ratio of 1. 
Figure 8 shows the comparison of such a ramjet with the reheated turbojet described in the previous 
section. At the top Mach number of the reheated turbojet (Mach 3.9) the specific thrust is the same for 
both engine configurations. The seemingly higher specific fuel consumption of the ramjet at Mach 3.9 is 
mainly caused by the burner efficiency differences assumed in this exercise: in the turbojet the main part 
of the heat addition is in the core combustor with 100% burner efficiency while the combustion in the 
ramjet is equivalent to that of an afterburner with 90% efficiency. 


Ramjet SFC


 


Figure 8: Ramjet. 


Of course the difference between the burning efficiencies of the two engine configurations is purely 
academic. Along the flight path with 375knots basically there is a smooth transition from the reheated 
turbojet to the ramjet cycle.  
 


2.2 Turbofan 


Due to their high specific fuel consumption turbojets are no longer used on commercial aircraft, they have 
been replaced by high bypass turbofan engines. Even in modern supersonic fighter aircraft like the F-16, 
F-18, Dassault Rafale or the Eurofighter Typhoon are turbofan engines installed, however, these engines 
have a much lower bypass ratio. A low bypass engine is obviously a candidate for high speed propulsion. 
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2.2.1 “Dry” Turbofan 


Figure 9 shows the schematic of a mixed flow bypass engine with a convergent-divergent nozzle. The 
following cycle calculations employ basically the same loss assumptions as they have been used for the 
turbojet. Fan pressure ratio is selected such that the total pressure at the bypass exit P16 is equal to the low 
pressure turbine exit pressure P6. This choice guarantees favorable mixer inlet conditions. 
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Figure 9: Turbofan Nomenclature. 


Figure 10 is similar to Figure 3 which describes the dry turbojet performance for three points on the flight 
path with 375knots. The important difference is that instead of burner exit temperature T4 now the bypass 
ratio is the second parameter, the first parameter is in both cases the overall pressure ratio P3/P2. All 
turbofan engine cycles have been calculated with T4=1900K. 
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Figure 10: Dry Mixed Flow Turbofan, T4=1900K. 


Bypass ratio is varied between 0.1 and 1 and overall pressure ratio from 5 to 30. Increasing bypass ratio 
goes along with a very significant decrease in specific thrust and a moderate decrease in specific fuel 
consumption. Both effects are smaller at higher Mach numbers. 
 
High pressure compressor exit temperature T3=900K presents a limitation for the same reasons as for the 
turbojet: it is a last compressor rotor disk temperature limit because no cooling air with a lower 
temperature and high enough pressure is available. At Mach=1.2 the maximum permissible T3 is not 
achieved within the range of overall pressure ratios examined. At Mach=1.8 the overall pressure ratio is 
limited to ∼21 and at Mach=2.4 to approximately 9 as in case of the turbojet. 
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Figure 11: Dry Mixed Flow Turbofan Bypass Ratio=1, T3=900K. 


Figure 12 shows data for a turbofan with bypass ratio 1 along the 375knots flight path in comparison with 
those of a dry turbojet. Overall pressure ratio is adjusted in such a way that T3=900K. Since the turbofan 
has an additional source of losses – those in the bypass duct – the highest Mach number is with 3.6 
somewhat lower than that of the turbojet concept which did allow Mach=3.9. At the low Mach number 
end the turbofan decrease in specific fuel consumption of 17% is accompanied by a loss in specific thrust 
of 40%. At Mach=3.6 the SFC advantage is only 2.5%, specific thrust is down by 49%. It is quite obvious 
that at the high Mach number end the dry turbofan is not an attractive concept.  
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Figure 12: Reheated Mixed Flow Turbofan Bypass Ratio=1, T3=900K. 


Nozzle pressure ratio is in the range from 11 to 72 while that of the turbojet P8/Pamb is between 20 and 96, 
see Figure 4. Jet velocity increases with nozzle pressure ratio and therefore P8/Pamb can be considered as a 
measure of jet noise. Especially at low Mach numbers there is a clear jet noise advantage for the turbofan. 
 
It depends on the aircraft design and its mission mix whether the SFC benefit of a dry turbofan relative to 
a dry turbojet overcompensates the loss in specific thrust or not. For commercial supersonic aircraft jet 
noise considerations will enforce the use of an engine that operates as turbofan during take off and 
landing. 


2.2.2 Turbofan with Reheat 


The schematic of such an engine is shown in the lower part of Figure 9. The calculation of the reheat 
process begins after the mixing calculation, i.e. at station 64. Thus the reheat inlet temperature T64 is 
significant lower than the low pressure turbine exit temperature T6 while the reheat inlet temperature of 
the reheated turbojet is equal to T6. 
 
Figure 12 shows data again along the 375knots flight path for engines with maximum achievable pressure 
ratio, i.e. T3=900K. There is a comparatively small loss in specific thrust relative to the “wet” turbojet at 
Mach=1.2 which essentially disappears at the high Mach end. Specific fuel consumption of the turbofan is 
higher than that of the turbojet because much more heat has to be added in the relatively inefficient 
afterburner because the temperature difference T7 - T64 to is much bigger than T7 - T6 in case of the 
turbojet. Another reason for the SFC delta is that the pressure in the afterburner of the turbofan is lower 
than that in the turbojet reheat system.  
 
The topmost line (marked with triangles) in Figure 12 highlights the importance of the afterburner for high 
speed propulsion: 65% to 75% of the total fuel is burned there while in the turbojet the majority of the fuel 
is burned in the main combustor, see Figure 6. 
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Especially at the high Mach number end of the flight path a low bypass turbofan can be an attractive 
option because it offers SFC and noise advantages if operated in dry mode at low flight Mach numbers, 
take off and landing. The penalty of higher SFC in augmented mode compared to the “wet” turbojet is 
moderate. 


2.3  Dry and Reheated Turbofan Size 


The predominant aim for a fighter aircraft is almost always to achieve high aircraft thrust-to-weight ratio, 
in the interests of speed, agility and weapons carrying capability. This means engine thrust-to-weight ratio 
needs to be high. Even more importantly, engine thrust per frontal area must be high because this results in 
reduced aircraft fuselage cross-section. Any growth in engine diameter has a considerable effect on 
airframe size and weight.  
 
In the following cycle study we look for turbofan engines which all deliver the same thrust. The total mass 
flow is adjusted in each case in such a way that the required thrust is achieved. Combustor and reheat exit 
temperature are held constant as well as all component efficiencies. The outer fan pressure ratio is adjusted 
in such a way that the total pressure ratio of bypass exit to core exit pressure P16/P6 is equal to 1.0.  
 
The Mach number at the fan inlet is 0.55 for all engines and the mixer Mach number is set to 0.18 in case 
of a reheated engine. This low value is necessary for two reasons, first because high velocities destabilize 
the flame and second because high reheat inlet Mach numbers can yield excessive fundamental pressure 
losses or even choking of the flow at the reheat exit. For dry engines there is no need to keep the mixer 
Mach number down and therefore this property is set to 0.4. 


Figure 13 shows specific fuel consumption of reheated turbofans all delivering the same thrust plotted 
over the mixer flow area. The colored contours indicate the engine inlet area, just upstream of the 
compressor. In all cases the mixer area is much bigger than the engine inlet area and thus the conditions at 
the afterburner inlet determine the maximum engine diameter. For the overall pressure ratio of 16 the 
mixer area increases over the bypass ratio range 0.25 to 2 from 0.085m² to 0.108m² while the engine inlet 
area is in the range of 0.0578m² to 0.0615m².  
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Figure 13: Reheated Mixed Flow Turbofan, Alt=13km, Mach 2. 


The data shown in Figure 14 are for dry turbofans that all deliver the same thrust as the engines from the 
previous figure. Here we see that mixer area generally is smaller than the flow area at the engine inlet, thus 
the conditions at the compressor inlet determine the engine diameter. The engine inlet area increases over 
the range of bypass ratios considered from 0.1m² to 0.21m² because the specific thrust of the dry engine is 
significantly lower than that of the reheated engine. The mass flow required for the given thrust is 
considerably higher.  
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Figure 14: Dry Mixed Flow Turbofan – Alt=13km, Mach 2. 


Taking the fan diameter as a measure of engine size leads to the conclusion that the dry engine frontal area 
is bigger (BPR=0.25: +20%, BPR=2: +100%) than that of a reheated engine with the same thrust at the 
flight Mach number of 2. 


3.0 ACCELERATION TO HIGH MACH NUMBERS 


All the previous examinations were comparing engines that are designed for the respective flight condition 
with a specified burner exit temperature, pressure ratio and bypass ratio. All efficiencies and loss 
assumptions were fix numbers. Consequently each calculated cycle did represent a different engine. 
 
In the following we will select a cycle design point first and then evaluate the off-design behavior of the 
engine. For this off-design simulation the geometry of the gas turbine is fixed – except for the variable 
guide vanes the compressors might have and the adjustable nozzles needed for afterburner operation. 


3.1 Turbojet 
For the cycle design point we select Mach 3 at an altitude of 22700m which is on the 375knots flight path 
examined before. With the same assumptions as made in section 2.1.2 we get the following cycle data for 
a reheated turbojet: 


Table 1: Reheated Turbojet Cycle for Mach 3. 


 W T P WRstd 
 Station kg/s K kPa kg/s FN = 66,58 kN 
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 amb 216,65 3,577 TSFC = 48,5250 g/(kN*s) 
 1 72,895 600,86 131,820 FN/W2 = 913,38 m/s 
 2 72,895 600,86 106,658 100,000  
 3 72,895 900,00 421,346 30,981 Prop Eff = 0,6789 
 31 63,127 900,00 421,346 eta core = 0,6495 
 4 65,123 1900,00 408,705 41,457  
 41 71,246 1821,81 408,705 44,412 WF = 1,99545 kg/s 
 49 71,246 1565,08 190,856 91,776 WFRH = 1,23541 kg/s 
 5 74,891 1535,36 190,856 91,776 WF total = 3,23086 kg/s 
 6 74,891 1535,36 187,039 A8 = 0,4895 m² 
 61 67,402 1535,36 187,039  
 7 68,637 2000,00 185,652 XM8 = 1,00000 
 8 76,126 1956,31 185,652 108,256 P8/Pamb = 51,9076 
 Bleed 0,000 900,00 421,346 WBld/W2 = 0,00000 
 -------------------------------------------- Ang8 = 25,87 °  
 P2/P1 = 0,8091 P4/P3 = 0,9700 P6/P5 0,9800 CD8 = 0,9483 
 Efficiencies: isentr polytr RNI P/P W_NGV/W2 = 0,08400 
 Compressor 0,8811 0,9000 0,439 3,950 WCL/W2 = 0,05000 
 Burner 0,9999 0,970 Loading = 100,00 %  
 Turbine 0,9075 0,9000 0,468 2,141 e45 th = 0,88691 
 Reheat 0,9000 0,993 XM61 = 0,18000 
 XM7 = 0,21438 
 -------------------------------------------- far7 = 0,04621  
 Con-Di Nozzle: A9/A8 = 6,11924 
 A9*(Ps9-Pamb) -4,50E-6 CFGid = 1,00000 
 


 


However, the engine must be able to operate not only at this conditions but also on all other points of the 
flight path. If we go with constant EAS=375knots down to lower Mach numbers and altitudes then the 
total temperature at the engine face T2 decreases from the more than 600K at the cycle design point to 
278K at Mach 1.2/11000m.  
 
For getting the highest thrust at each flight condition we want to run the engine always at its limits one of 
which is the rotational spool speed N. Since T2 decreases with Mach number the aerodynamic spool speed 
N/√T2 increases significantly. At the standard day temperature of 288.15K the aerodynamic spool speed 
would be higher than at the cycle design point by a factor of √600.9/288.15=1.444 if the rotational spool 
speed N is held constant. (If the cycle design point would be at Mach=3.9 then the factor would be even 
1.73).  
 
For the compressor that means, that at the cycle design point there must be an aerodynamic overspeed 
margin of around 45% if unrestricted operation along the flight path is to be achieved. Applying the usual 
compressor design rules, however, will yield only 5 to maximum 10% aerodynamic overspeed margin. 
Consequently the aerodynamic design of the compressor must be done at a much higher pressure ratio and 
higher corrected flow than found at the cycle design point. How big the pressure ratio difference between 
the cycle design point and the aerodynamic design point of the compressor needs to be depends on the 
mission of the air vehicle to be designed. 
 
The cycle design pressure ratio is approximately 4. Two alternate compressor design points are examined, 
one with a compressor design pressure ratio of ΠDS=7 and another one with ΠDS=10. The engine 
performance isexamined along a mission segment with EAS=375knots between Mach numbers of 1.2 at 
an altitude of 11km and Mach 3, altitude 22.7km. 


Figure 15 shows the operating line of the compressor designed for ΠDS=10 and Figure 16 that of the 
alternate design. Note that there is a significant size difference between both compressors, the Standard 
Day corrected mass flow is 150kg/s for the ΠDS=7 machine and 205kg/s for the other one. At the cycle 
design point - marked by a circle on the N/√Θ=1 line - both compressors operate with nearly the same 
corrected flow and pressure ratio. 
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Figure 15: Compressor Design 1: ΠDS = 10. 


 


Figure 16: Compressor Design 2: ΠDS = 7. 
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Why are the operating points at the cycle design conditions not identical? The reason is that there is a 
compressor efficiency difference. At the compressor design point there is only a very small efficiency 
difference: Compressor 1 (ΠDS=10) has ηDS=0.859 and compressor 2 (ΠDS=7) shows ηDS=0.861. 
However, compressor 1 operates at conditions farther away from its design point and therefore the 
operating efficiency is only 0.80 while compressor 2 (ΠDS=7 ) operating nearer to its design point picks 
0.85 from the map at the Mach 3 operating point, the circle. 


It looks like that all advantages are on the side of compressor 2, that, however, is a bit shortsighted. Note 
that in Figure 16 at the top end of the operating line many points collapse. This is because in the 
simulation the control system prevents operation at corrected speeds N/√Θ greater than 125% of that at the 
cycle design Mach number. 
 
Figure 17 shows how all controlled parameters behave along the flight path. The symbols on the axes and 
the various lines make them distinguishable. Turbine stator outlet temperature T41 is limited to 1822K 
which corresponds to the design burner exit temperature T4=1900K. Maximum permissible relative HPC 
Spool Speed ZXN is 1.0 and compressor exit temperature T3 must not exceed 900K. The big difference 
between the two compressor variants is in the corrected spool speed limitation which is 1.45 (compressor 
ΠDS=10) respectively 1.25 (compressor ΠDS=7). 


 


 


 Figure 17: Engine Control - Background Lines for Compressor Design 2 (ΠDS = 7). 


At the high speed end the T3 limiter is just touched which depresses the other controlled parameters 
slightly for both engine design alternatives. The machine with the compressor design pressure ratio of 10 
operates at the N/√Θ limiter only at Mach 1.2; the relative HPC spool speed limit of 1.0 is active in the 
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Mach number range from 1.3 to 1.5. At all other Mach numbers the maximum permissible turbine 
temperature T41 limits the performance of this engine. 
 
The machine with the smaller compressor operates at the N/√Θ limiter at all Mach numbers below 1.9 and 
that has a distinct affect on the performance as can be seen in the next two figures. For the reheated engine 
(Figure 18) the thrust loss of up to 35% is accompanied by an increase of specific fuel consumption of 
12%. The dry turbojet (Figure 19) looses also up to 48% thrust due to the severe N/√Θ limitation, 
however, specific fuel consumption improves by 7%. 


-35%


12%


 


Figure 18: Reheated Turbojet – Background Lines for Compressor Design 2 (ΠDS = 7). 
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-7%


-48%


 


Figure 19: Dry Turbojet – Background Lines for Compressor Design 2 (ΠDS = 7). 


In Figures 18 and 19 there is one more parameter shown that has not yet been explained: AInltThroat. This 
quantity is an indicator for the aircraft intake throat area, calculated by employing engine inlet total 
pressure P2 and temperature T2 as well as the engine mass flow W2 assuming sonic flow. The first 
important message of this indicator is that the aircraft engine intake needs to have variable geometry for 
adjusting the flow area to the mass flow of the engine. The second message is, that with the bigger 
compressor (ΠDS=10) the variability of the aircraft intake needs to be nearly twice as big as with the 
smaller compressor (ΠDS=7). 
  
The rather simple control system employed for this study could be improved by making use of the variable 
geometry features that are required for such an engine anyway. With the variable guide vanes of the 
compressor one can influence the relationship between mass flow and spool speed as long as they are not 
fully open. This is the case for all operating points that are not affected by the N/√Θ limiter. Thus it might 
be possible to improve performance at flight conditions where the rotational spool speed limiter is hit. 


Another fine trim for the engine operation could be a sophisticated nozzle area schedule: one needs not 
necessarily to operate both for dry and reheat the compressor at the same point in the map as assumed 
here. Moreover nozzle throat area can be made a function of flight conditions and corrected spool speed. 
That would not only affect compressor surge margin but also burner exit temperature at a given mass flow. 


Which engine design is to be preferred depends on the mission of the aircraft. What the thrust 
requirements are at each Mach number will decide about the optimum compressor design mass flow and 
pressure ratio. Also aircraft intake design aspects will play a role in the final selection of the engine 
configuration. Thus the mission defines the cycle.  
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3.2 Variable Cycle Engine (VCE) 
The previous section has discussed how the flight mission affects the choice of the compressor design 
point of a turbojet engine. Similar studies could be performed for dry and reheated turbofan engines. There 
certainly would be some additional arguments, however, nothing fundamentally new. Therefore we skip 
the low bypass turbofan engine type and proceed with some thoughts about variable cycle engines. 


Variable cycle engines are potentially attractive for aircraft which have to fulfill a mix of subsonic and 
supersonic missions. The aim of the engine design is to combine the advantages of the turbojet (high 
specific thrust) with that of a turbofan (low specific fuel consumption, low noise). 


Many different variable cycle engine configurations have been studied in the past. Ref. 4 gives an 
overview about the work done at General Electric Aircraft Engines. The architecture of the VCE proposed 
by GEAE for the Advanced Tactical Fighter ATF is shown in Fig. 20. An engine of this configuration, the 
F120, has successfully flown in both the YF22 and YF23 ATF prototype aircraft. 
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Figure 20: Variable Cycle Engine Nomenclature. 


For evaluating some typical performance characteristics of this type of VCE a cycle with the following 
main parameters at ISA SLS is considered: 


Table 2: Main Cycle Data for a VCE Example. 


Dry Thrust     73.6 kN 
SFC      20 g/(kN*s) 
Mass Flow     100kg/s 
Fan Pressure Ratio (Bypass)  3.9 
Fan Pressure Ratio (Core)   3.0 
Core Driven Fan Stage Pressure Ratio 1.3 
HPC Pressure Ratio    6.0 
Overall Pressure Ratio   23 
Burner Exit Temperature    1900K 
Bypass Ratio W16/W21   0.75 
Bypass Ratio W16/W25   1 


The engine has three so-called variable bypass injectors (VABI). The first VABI is a selector valve 
downstream of the fan which allows closing the bypass inlet. The second VABI is again a valve which is 
located between the core driven fan stage (CDFS) and the inlet to the HP compressor. The third VABI is 







The Mission Defines the Cycle: Turbojet, Turbofan 
and Variable Cycle Engines for High Speed Propulsion  


2 - 22 RTO-EN-AVT-185 


sort of variable area bypass nozzle which injects the secondary flow into the core stream behind the low 
pressure turbine. 
 
Besides the three VABI’s there are at least two more variable geometry elements in this VCE: the inlet 
guide vanes to the CDFS and the nozzle. The latter must be variable anyway since the engine has got an 
afterburner for the high supersonic part of the mission.  
 
The following cycle studies are limited to a single dry operating point at supersonic cruise conditions with 
Mach 1.4 and altitude 11km. At this flight condition it is examined how the variable geometry settings - 
especially those of the three VABI’s – affect the performance and operability of the engine. Engine rating 
is limited by both the design burner exit temperature T4 and the nominal HP spool speed. 


Figure 21 shows how the two front VABI’s affect the engine bypass ratio W16/W21. While VABI 1 
(downstream of the fan) is open, both the nozzle area (varied in the range from nominal to +10%) and 
VABI 3 have a certain influence on bypass ratio. If VABI 1 is closed then the bypass ratio is nearly 
constant. 


VABI1 closed
VABI2 open


VABI1 open
VABI2 open


VABI1 open
VABI2 closed


 


Figure 21: Variable Cycle Engine Rear VABI and Nozzle Area Effect on Flow and Bypass Ratio. 


The numbers describing the VABI 3 position are in the range from 0.5 to 1.5. Values lower than one 
indicate that the bypass mixer area A163 is smaller than its nominal value. For example VABI 3 = 0.5 
means that the bypass mixer area is reduced to 50% of the design point value. VABI 3 values bigger than 
one mean that the core mixer area A63 is reduced. A 50% reduction of A63 is described with VABI 3 = 1.5, 
for example. The sum of A163 and A63 is always equal to the total mixer area A64.  
 
Figure 22 shows the specific fuel consumption for the various geometry positions. These results are 
somewhat surprising since the lowest SFC is achieved with the lowest bypass ratio and the highest SFC 
goes with the highest bypass ratio. This result is affected by the engine rating limiters:  


• If VABI 1 is open and VABI 2 closed (this VABI setting makes the engine a conventional turbofan), 
then the engine is limited by the HP spool speed – T4 is much lower than in the other cases. 
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• If VABI 1 is closed and VABI 2 open, then the active limiter is the burner exit temperature and 
the HP spool speed is much lower than in the other cases. 


• If both VABI 1 and VABI 2 are open then the engine operates with big nozzle and bypass mixer 
areas at the spool speed limiter, otherwise at the temperature limit. 


VABI1 closed
VABI2 open


VABI1 open
VABI2 open


VABI1 open
VABI2 closed


 


Figure 22: Variable Cycle Engine Rear VABI and Nozzle Area Effect on SFC and Thrust. 


With other control schedules and also for other flight conditions the SFC picture will be different and 
therefore one cannot derive generally valid conclusions about the fuel consumption of this type of engine 
from Figure 22.  


One claimed advantage of the VCE is that it can vary thrust without changing mass flow which allows for 
optimum flow conditions at the aircraft intake during supersonic flight. One can adapt the mass flow in 
such a way that the intake operates at the most favorable pressure recovery and without or reduced spillage 
drag. 
 
From Figure 23 one can read at constant mass flow (∼60 kg/s) a thrust range of more than 15 to 20%. Low 
thrust is connected with big bypass mixer and nozzle areas, high thrust with small areas. 
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VABI1 closed
VABI2 open


VABI1 open
VABI2 open


VABI1 open
VABI2 closed


 


Figure 23: Variable Cycle Engine Rear VABI and Nozzle Area Effect on Flow and Thrust. 


The next four figures show the operating conditions in the component maps for the various VABI and 
nozzle positions. The circle on the speed lines N/√Θ=1 mark the ISA SLS operating point with all VABI’s 
open. 
 
In the fan map the three operating areas (VABI 3 and nozzle area range as before) are clearly separated 
from each other. A sophisticated engine control system is required which schedules mixer and nozzle 
areas in such a way that the engine performance is optimal and sufficient surge margin is maintained. 
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VABI1 closed
VABI2 open


VABI1 open
VABI2 open


VABI1 open
VABI2 closed


 


Figure 24: Variable Cycle Engine Rear VABI and Nozzle Area Effect on Fan Operating Point. 


Figure 25 shows three maps of the core driven fan stage CDFS. Within the operating range corrected flow 
varies between 18kg/s and 36kg/s - about 100%. Such a broad operating range can only be achieved with 
variable inlet guide vanes (IGV’s). In the calculated example the IGV’s are opened by 35° when VABI 1 
is closed and all the engine mass flow enters the core. In contrast, when VABI 1 is open, then much less 
flow approaches the CDFS and the IGV’s need to be closed by -25°. Altogether the IGV operating range 
must be 60° which is quite an aerodynamic and mechanic compressor design challenge. 
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VABI1 closed
VABI2 open


VABI1 open
VABI2 open


VABI1 open
VABI2 closed


 


Figure 25: Variable Cycle Engine Rear VABI and Nozzle Area Effect on CDFS Operating Point. 


When VABI 2 is closed then the slope of the CDFS operating line is positive in contrast to the cases with 
the other VABI positions. This is to be expected because in this case the stage can be considered as part of 
the core compressor whose operating line cannot be affected by nozzle area changes from principle.  
 
Note also that varying nozzle area has no effect on the CDFS operating point while VABI 2 is closed and 
only a minor effect in the other cases. With open VABI 2 increasing the bypass mixer area yields higher 
surge margin.  
 
Figure 26 shows the HP compressor operating lines – they look as those from any other gas generator 
compressor. The HP turbine maps are not presented – there all operating points nearly collapse and have 
the same pressure ratio as theory requests. In the LP turbine map (Fig. 27) all operating points are in the 
area of high efficiency and therefore this component does not pose a problem. 
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VABI1 closed
VABI2 open


VABI1 open
VABI2 open


VABI1 open
VABI2 closed


 


Figure 26: Variable Cycle Engine Rear VABI and Nozzle Area Effect on HPC Operating Point. 


VABI1 closed
VABI2 open


VABI1 open
VABI2 open


VABI1 open
VABI2 closed


 


Figure 27: Variable Cycle Engine Rear VABI and Nozzle Area Effect on LPT Operating Point. 
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This was a short study about the maximum performance of a VCE at a single operating point. In a real 
world examination many more operating conditions need to be considered and finding the best propulsion 
system compromise between the conflicting requirements of a multi-mission aircraft is quite a challenge. 
Having more variable geometry allows a better adaptation of the engine to the various requirements. 
However, all these variable elements need to be controlled and maintained in service. In the end a simpler 
engine might be the better solution. 


4.0 COMPONENTS FOR SUPERSONIC PROPULSION 


4.1 Inlet 
The higher the flight speed, the more important becomes the performance of the intake for any propulsion 
system of a supersonic aircraft, see Figure 7. Aircraft flying faster than around Mach 1.5 need variable 
geometry because otherwise the mass flow of the intake does not fit to the mass flow the engine needs for 
producing adequate thrust. Mismatch between intake and engine can produce excessive spillage drag (if 
the engine cannot swallow the mass flow delivered) or severe inlet flow distortion. 
 
How complex the installation of a high speed engine in a supersonic aircraft is can be seen from Figures 
28 and 29. These show the operating modes of the SR-71 Blackbird propulsion system which is designed 
for flying at Mach 3.2 in an altitude of around 80000ft (24.4km). 


 


Figure 28: SR-71 Propulsion System. 
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Figure 29: SR-71 Propulsion System. 


Usually the intake is part of the aircraft and supersonic inlet design is a discipline on its own. In spite of its 
importance for the performance and operability of the overall propulsion system we will not go in more 
detail here and concentrate instead on two components found only in engines for supersonic aircraft, the 
afterburner and the variable area convergent-divergent nozzle. 


4.2 Afterburner 
An afterburner is a fairly simple device, and it consists of only a few basic parts: fuel injectors, flame-
holders and a jet pipe in which the combustion takes place. A liner controls the afterburner cooling air 
distribution and provides cooling air to the nozzle. 


Flame-holders are needed to stabilize the flame in the relatively high velocity environment. If the turbine 
exit temperature allows, then circular flame-holders as shown in Figure 30 can be used. The two v-shaped 
rings (gutters) are interconnected with a single radial gutter which allows the flame to propagate from the 
primary zone to the two rings during light up. 
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Figure 30: RB199 Afterburner. 


With modern low bypass engines the temperature downstream of the LPT is so high that the flame-holders 
require cooling. Guiding the cooling air from the bypass through the flame-holders requires that these are 
of radial design like in case of the EJ200, see Figure 31. With such a design it must be sure that, while the 
afterburner is lit, the pressure in the bypass is always high enough to drive the cooling air through the flame-
holders. 


 


Figure 31: EJ200 Afterburner. 


A screech damper is necessary to suppress high-energy destructive acoustic frequencies. The screech 
damper is part of the liner that protects the case from high temperatures. Through the rather big holes in 
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the screech damper some of the air from behind the liner will flow into the jet pipe. The amount of this air 
luckily increases automatically with the amount of heat released because the increasing Mach numbers in 
the jet pipe lead to a decreasing static pressure in the burning zone. 


An afterburner must operate over a wide range of conditions. To obtain the maximum thrust the fuel must 
be injected in such a way, that all of the available oxygen in the main stream is burnt. That means that the 
fuel-air-ratio must be very uniform at the nozzle inlet. When the fuel is not distributed evenly then there 
are some regions that lack fuel and others with an over-stoichiometric fuel-air-ratio. In both regions the 
heat release is less than maximal. 


At minimum afterburner rating the local fuel-air-ratio must be stoichiometric in the now small combustion 
region to prevent the flame from being blown out. In other words, the fuel must now be distributed very 
unevenly throughout the afterburner.  


The afterburners of the RB199 and the EJ200 use so-called “Primaries” for the operation at minimum 
reheat rating. They are ignited with a hot shot device which injects locally in the main combustor some 
additional fuel and thus sends a flame through the turbines to the primaries. 


During reheat partload the fuel is only injected into the core stream because there the combustion 
conditions are best. When all the oxygen in the core stream is consumed, then additional fuel is injected 
into the bypass stream. Note that with low bypass engines only about half of the bypass air can be used for 
burning, the rest is needed for cooling the liner and the nozzle. 


Reheat burning efficiency is significantly lower than in the main burner and depends mainly on three 
parameters: the amount of fuel injected, the static pressure in the jetpipe and the bypass ratio. 


• The correlation between the injected fuel-air-ratio and efficiency describes primarily the quality of 
the fuel-oxygen distribution (Fig. 32). 


• Low pressures negatively affect the fuel droplet size because low gas pressure is always 
connected with small amounts of fuel (Fig. 33). 


• High bypass ratios go – for a given engine geometry – with high velocity respective low residence 
time in the burning zone (Fig. 34). 


 


Figure 32: Reheat Efficiency=f(FARinj). 
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Figure 33: Reheat Efficiency=f(Ps). 


 


Figure 34: Reheat Efficiency=f(BPR). 


The figures are taken from ref.7 which describes the background of these empirical correlations. 
 
While the afterburner is operating, the density of the hot gases approaching the nozzle is significantly 
lower than with dry operation. If the nozzle throat area would not be increased while fuel burns in the 
afterburner, then the nozzle inlet pressure would rise. This pressure rise would travel upstream through the 
bypass and cause the fan to surge. Preventing this requires that the nozzle throat area and the amount of 
reheat fuel must be coordinated carefully. There are two basically different afterburner control 
philosophiess: 


1) With a closed loop control the nozzle throat area is adjusted in such a way that the scheduled fan 
pressure ratio is achieved. 


2) With an open loop control the amount of afterburner fuel is calculated from the measured nozzle 
position and other sensed parameters. 


The main difference between these two approaches is their reaction to a failure to light up or a flame out 
event. If the flame out event is not detected, then with the first control philosophy the nozzle will close 
with the aim to achieve the target fan pressure ratio. Not burning fuel is continuously injected, but it does 
not release any heat. If then due to a random effect the fuel suddenly ignites, then the fan will surge 
because the nozzle is unable to open quick enough. The use of a light-up detector is necessary to make 
such a control system work. 
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With the second control philosophy in case of an undetected failure to light up the engine will loose thrust 
because the nozzle pressure will be low. There is never a danger of fan surge - even with delayed ignition 
– because the nozzle throat area is never too small for the amount of heat released. The light-up detector 
will be used to cancel the fuel supply and then close the nozzle to regain at least the dry thrust of the 
engine. 
 
Traditionally the first control philosophy is used in the US while both the RB199 and the EJ200 employ 
the second. 


4.3 Nozzle 
At high supersonic speed the nozzle performance becomes as important as that of the inlet. The Mach 3 
turbojet cycle data in table 1 are for an ideal convergent-divergent nozzle which expands the exhaust gases 
to ambient pressure. With the nozzle pressure ratio of P8/Pamb=51.9 this requires the divergent area ration 
A9/A8 to be as big as 6.12. If instead of the complex convergent-divergent nozzle a simple convergent 
nozzle would be used then the net thrust would drop by 34% in this case. 


In the following we discuss variable area convergent-divergent nozzles that are suited for fighter aircraft 
with a design Mach number of about 2. For such applications the reheated low bypass turbofan is the 
engine type of choice. The nozzle pressure ratio in the high supersonic flight regime is between 15 and 20.  
 
Figure 35 shows the gross thrust ratio between convergent-divergent nozzles of various area ratios A9/A8 
and a convergent nozzle. If the pressure ratio P/Ps is lower than 2.5 then the performance of the con/di 
nozzle is worse than that of a simple convergent nozzle because the flow is over-expanded in the divergent 
part of the nozzle. However, for the pressure ratios 15 to 20 mentioned above one gets with an area ratio 
of =1.6 up to 10% gross thrust increase. Since gross thrust at high speed is much bigger than net thrust the 
benefit translates to ∼15% net thrust advantage over an engine with a convergent nozzle.  
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Figure 35: Thrust Ratio Con Di Versus Con Nozzle. 


Figure 36 shows the flight envelope of a generic augmented fighter engine with lines of constant net thrust 
difference in % between engines with convergent and convergent-divergent nozzle (area ratio A9/A8 =1.6). 
In the lower left part of the flight envelope the engine with convergent nozzle is superior because the 
nozzle area ratio is too big for the nozzle pressure ratio under these conditions. 
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Figure 36: Thrust Gain With a Con/Di Nozzle. 


On fighter engines mostly circular convergent-divergent nozzles are used because they are lighter than 
rectangular nozzles. The basic design of such a nozzle is shown in Figure 37.  
 


 


Figure 37: Thrust Ratio Con Di Versus Con Nozzle. 
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The convergent part of the nozzle consists of the primary petals that are mounted with hinges on the jet 
pipe. At the end of the primary petals there is another hinge which holds the secondary petals. These petals 
have a further hinge in the middle of their backside which connects them via a strut to the jet pipe. 
 
The primary petals are opened when the nozzle throat area A8 needs to be increased, see Fig. 37 a. The 
secondary petals, held by the primary petals and the strut move in such a way that the nozzle area A9 
increases more than the nozzle throat area A8 and therefore A9/A8 is a function of A8 (see Fig. 37 d). 
 
Fig. 37c explains why the achievable nozzle area ratio range of a circular con-di nozzle is limited: If the 
master petals are fully closed then the slave petals will (nearly) touch each other. If they are fully open, 
then the slave petals will just close the gap between the master petals.  
 
Note that the area ratio does not only change when the nozzle actuator intentionally changes the throat 
area. A9/A8 is also affected by the thermal expansion of the primary petal because the length of the strut 
which holds the divergent petals remains practically unaffected by the temperature of the gas inside the 
nozzle (see Fig. 37b). To give an order of magnitude, during dry operation – when the primary petals are 
relatively cold – the nozzle area ratio is approximately 10 to 15% smaller than with reheat on. 
 
Figures 38 and 39 show the convergent-divergent nozzle of the EJ200. The throat area is varied by moving 
a ring axially with hydraulic actuators. On the inner side of the moving ring there are rollers which travel 
on the especially shaped roller track and open or close the primary petals. 


 


Figure 38: EJ200 Con/Di Nozzle. 
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Figure 39: EJ200 Con/Di Nozzle Details. 


Note that while in a convergent nozzle the pressure inside the nozzle is always higher than ambient pressure 
this is not the case with a convergent-divergent nozzle. Think of the flow in a venturi which is a convergent-
divergent flow channel with subsonic flow. Even with supersonic flow the pressure inside the nozzle can be 
lower than ambient pressure - that is the case when the nozzle area ratio is too big and the flow over-expands 
in the divergent part. Because of these possible flow patterns one needs two devices that prevent the nozzle 
from collapsing: one is the small roller below the roller track and the other the v-shaped bar that prevents the 
slave petal from being sucked into the divergent part of the nozzle, see Fig. 39. 
 
During engine development testing of the EJ200, one could easily identify when the pressure inside the 
divergent nozzle section was lower than outside. The area ratio is bigger than ideal for this pressure ratio 
and the flow is over-expanded. Inspection of the Figure 40 shows that the slave petals are sucked inwards 
and a gap opens between the master and the slave petals. This is not a bad thing because the air flowing 
through the gaps into the divergent part of the nozzle makes the effective nozzle area ratio smaller than the 
geometric one. The losses due to over-expansion are reduced and thus the nozzle performs better than 
without the gaps between the petals. The thrust deficit in the lower left part of the flight envelope relative 
to a convergent nozzle as shown in Fig. 36 is in reality much smaller than derived from theory.  
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Figure 40: EJ200 at Full Reheat. 
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ABSTRACT 


JAXA Kakuda space center has been studying rocket based combined cycle engine for the future space 
transportation system. This note summarized design process and points that required for detail 
investigation. Moreover, this note presents our design example of the engine and experimental results with 
a sub-scale engine tests from the sea-level to the hypersonic conditions. 


1.0 GENERAL ASPECTS OF THE ROCKET BASED COMBINED CYCLE 


In this section, as a introduction to the rocket based combined cycle engine (RBCC), several key points of 
the RBCC will be picked up and discussed from the entire aspect and characteristics of the engine system.  


1.1 Functions and Parameters for RBCC 
Historically, RBCC engine is designed a system based on a rocket engine with air-breathing engines, such 
as ramjet engine. However, spreading our activities of the air and space, RBCC is now has functions and 
parameters widely. Typical functions are shown in Fig.1. Typically, RBCC is he ram/scramjet engine 
combined with the rocket engines in it.  


 


1.2 Key Point for the RBCC Design  
Major objective of the vehicle that the RBCC engine will be installed must be indentified. What type of 
the vehicle required the RBCC engines? If the launch vehicle uses the RBCC as a primary system, the 
RBCC should be an engine for accelerating. Otherwise, it will be an engine for cruising in the atmosphere. 
This point change the balance in the performances between the rocket and air-breathers.  


The effective Isp for the vehicle with the RBCC can be written as below:


  


Figure 1: List of the RBCC design functions. 
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Here, D is the drag of the vehicle, m0 and m1 are the mass of the vehicle at the initial and final conditions, 
respectively. For the accelerator, ΔV should be positive. However, for the crusier, ΔV can be unity at the 
certain flight condition. 


Figure 2 shows the effective Isp profiles in the several Mach numbers, plotted with the mass flowrate from 
the rocket, mr and from the air-breather, ma [1]. In the faster flight condition, rocket engine in the RBCC 
should be worked as a major power source for accelerating the vehicle.  


 


2.0 DESIGN POINTS AND PROCESS 


RBCC design mainly process with iterating calculation for the internal engine configuration, i.e., inlet and 
combustor/rocket engine and their operating ranges. In the following section, as mentioned before, design 
issues of the integrated configuration, i.e., the rocket engines are embedded within the ram/scramjet flow 
pass, are described. Figure 3 shows an example of designing process for the RBCC engine.  


Figure 2: Effective Isp profiles  
with flight Mach number. 
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2.1 Internal Engine Configuration 


2.1.1  Inlet Section Analysis  


As we seek for the accelerator, the inlet design is quite art of compromise. To make benefits due to air-
breathing propulsion, the inlet should 1) start at as low speed as possible, 2) capture as much air-flow as 
possible, and 3) have as high compression as possible. The last requirement is also to give room for the 
rocket engine installation. Furthermore, 4) shortening the whole section, is important to reduce the engine 
weight. As one can see, these requirements conflict with each other, e.g., a large contraction and/or high 
capture design can worsen the starting characteristics, a longer inlet with less ramp angle will increase the 
engine weight, and so on. For trade-off, however, the operation range of the air-breathing propulsion part 
should be specified. 


To reduce the length with sufficient performance, a multi-ramp design with a drooped cowl leading edge 
with limited sidewall compression ratio was selected. Figure 4 shows the design evolution of the drooped 
cowl [2, 3]. Length of the cowl as well as the droop angle was so adjusted that the cowl shock would not 
hit the ramp surface to cause separation at upstream of the throat. By this adjustment, starting capability of 
the inlet was enhanced with little sacrifice of the capture capability. 


Figure 3: Design process for the RBCC system study.
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2.1.2 Combustor Section Analysis  


Embedded rocket chamber should produce sufficient thrust to takeoff and to overcome the drag at 
transonic regime. When embedded into a flow pass, the rocket exhaust can cause thrust augmentation due 
to the ejector effects, which in turn, can reduce the requirement for the rocket engine output. In the speed 
regime with the air-breathing propulsion, the rocket chamber should be operated at a reduced output to 
suppress the oxygen consumption. The rocket engine, on the other hand, can be used as ignition source for 
the ramjet-fuel. The rocket engine operation (output and mixture ratio) should be determined in a way that 
it can ignite the airflow/ramjet-fuel mixture.  
 
Combustor design 
 
The ramjet combustion chamber design is also an art of compromise, between the ejector-jet operation and 
ramjet operation, between the ramjet operations at various flight conditions, and between the ramjet 
operation and pure rocket operation for SSTO system. The balance between the performance and the 
engine weight also has a sizable impact of the system performance.  


Figure 4: Inlet configuration study seek  
or wider starting range improvement. 
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To attain ejector-effects, a rather long mixing duct with constant area duct is required. Figure 5 shows 
prediction of the air-suction performance with a physical model shows atop, in the case with the cold 
rocket (primary flow) injection [4]. To attain pressure balance between the airflow and rocket, a certain 
length was required.  


 


The ramjet-combustor also should have a certain length, to contain the pseudo-shock wave system within 
it to avoid transition to unstart condition, and to attain sufficient mixing and to sustain combustion. 
However, as the engine weight was estimated as deadly heavier in our analysis, shortening the combustor 
has priority in our analysis.  


As for the containment of the pseudo shock wave system, the propagation length within diverging duct 
should be predicted based on momentum balance. For the prediction, pressure distribution within the 
pseudo shock wave system should be identified. Starting with linier model, we came up with a better 
prediction by introducing square-root model as shown in Fig. 6. 


Figure 5: Ejector modelling (upper left), cold flow example 
(lower left) and ejector prediction profiles.
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For the ramjet-combustion, also a certain length is required to sustain mixing and reaction, however, the 
length should be reduced in system point of view. To shorten the ramjet-combustor, diverging angle 
should be large. However, a larger diverging angle around the fuel injector resulted in a lower pressure 
rise in ramjet operation, so that the diverging section should be nicely contoured to have smaller diverging 
angle around the ramjet-fuel injector. An example was to place a constant area duct to sustain combustion, 
and was found to attain good combustion capability, as shown in Figure 7 [5]. However, this portion 
would add additional weight, cooling requirement, and friction loss.  


Figure 6: Pseudo-shock system study example for the combustor design. 
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2.2 Operating Conditions of the RBCC System 
The ramjet operation is the key to increase the specific impulse, so that a wider ramjet operation is 
essential to the RBCC system for accelerator. To enlarge the ramjet-operation range to a lower Mach 
number regime, so called dual-mode combustion should be applied to Mach number as low as M3. Below 
that, as shown in previous figure, ramjet performance drops rapidly. The RBCC system should have 
margin between the inlet-start Mach number and lower limit of the ramjet operation, as unstart transition 
of the engine is fatal to the flight of the vehicle. At low Mach number regime, dual-mode operation with 
thermal choking at the end of the diverging section is beneficial as more fuel can be introduced for more 
thrust production. Controlling the choking location with the flight Mach number can result in additional 
gain in Isp, which should be in trade-off with the system and control complexity.  


At higher Mach number regime, thrust production of the air-breathing engine part decreases with the 
increase in the airflow enthalpy. With the decrease in the thrust level, the ramjet operation becomes 
inefficient for the acceleration because airframe drag to thrust ratio is reduced. As results, the effective Isp, 
i.e., Isp*(1-drag/thrust), eq (1) increases with the rocket engine output at higher Mach number regime 
(M>7 in our analysis). With an addition of large momentum by the rocket plume, dual-mode operation is 
no longer available, so that the ramjet combustor will operated as scramjet. The upper limit of the air-
breathing engine operation depends on the system performance, M11~12 in our analysis.  


Figure 8 is an example for the RBCC geometric and operational design for the accelerator, based on the 
design process above. 


Figure 7: Combustor and the straight  
duct design experiment. 
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3.0 SUB-SCALE TEST FOR DESIGN WORK 


As a part of our design process, a sub-scale engine was constructed and tested to obtain the characteristics 
of the RBCC engine entirely, that could contribute to the engine design results discussed in the previous 
sections.  


3.1 Sub-Scale Engine and Testing Facility 
A sub-scale engine, designated as E3, has 2D internal flowpath and 2 rocket engines installed in the 
middle part of the body [6]. The rocket engines powered with gas-hydrogen and oxygen is in the middle 
and topwall side of it. In the combustor section, there are fuel-injection ports on the top and sidewalls. 
These injectors inject gas-hydrogen vertically toward the airflow / rocket plume.  


Figure 8: An example of the RBCC configuration and  
operational range based on the design process. 
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This engine was tested in our engine test facility, named Ram-Jet engine Test Facility, RJTF. The RJTF 
was designed to operate at Mach 4, 6, and 8 for flight altitude of 20 km, 25 km, and 35 km, respectively.  


3.2 Engine Test Results and Evaluation 


Ejector-Jet Mode Test 


Figure 10 shows wall pressure distributions on both top wall and cowl at the exit contraction ratio of 1.11 
without secondary injection or about 30 g/s of injection through port #2 [7]. Results with the drooped cowl 
leading edge geometry were shown.  


 


Pressure-level in the vicinity of the rocket nozzle exit (around 1350mm, the end of isolator section) was 
about 0.9 × back-pressure, far above the design value for choking (0.5 × atmospheric pressure). 
Consequently, the airflow rate was reduced to about 1.5 kg/s, from the design value of 2.1 kg/s in the 
choked case (30 g/s of secondary fuel corresponded to 0.5 in equivalence ratio against the design airflow 
rate).  


Figure 9: 3 m-length, sub-scale RBCC engine 
for the design validation process.  


Figure 10: Ejector-mode operation results of E3 engine. 
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This lower ejector performance has been analyzed with computationally and experimentally. Figure 11 
shows the CFD result simulated not only cold–gas but the plume from the rocket engines. The ejector 
performance becomes lower because of the mixing between the incoming air and the rocket plume and the 
back-pressure rising caused by the heat release in the mixed flow. This result was also confirmed by the 
sub-sonic, flight experiment of the ejector on the sounding rocket [8].  


 


M6 Ramjet mode test:  


The major concern in the test at the M6 condition was achievement of ignition by the rocket plume as the 
ignition source, as lack of ignition capability in early scramjet model tests was quite a trouble [9].  


Figure 12 shows wall pressure distributions (on top wall) at the ramjet-mode operation (Pc=0.65 MPa, 
O/F~6) with different secondary fuel injection locations (port #3 and #4) at M6 condition.  


Figure 11: CFD simulations for the ejector effect with  
various gases included the rocket plume (case C).
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Pressure profiles in the combustor section show their peak pressure around 0.020, about 30% lower than 
the predictions. The gross thrust obtained in the combustor (i.e., wall on the divergent area) is 730 N by 
this experiment and 830 N by the prediction.  


4.0 SUMMARY 


This note presented the designing process and key or critical issues for the RBCC development, based on 
the research work in JAXA Kakuda space center. Additionally, sub-scale engine results and their 
predictions also shown as example for the design accomplishment to date.  
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Figure 12: Ramjet mode pressure distributions with 
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ABSTRACT 


The objective of theoretical, computational and experimental studies outlined in this lecture note was to 
evaluate the design principles and propulsion performance of prospective air-breathing engines operating 
on pulse detonations of realistic hydrocarbon fuels with a realistic technique of detonation initiation via 
deflagration-to-detonation transition (DDT). 


1.0 INTRODUCTION  


Activities in the field of pulse detonation propulsion are currently focused on investigations and practical 
development of propulsion engines operating on propagating detonations in a pulse mode. The concept of 
pulse detonation engine (PDE) is attractive for both subsonic and supersonic flight with PDE as a main 
propulsion unit or as an afterburner in turbojet or turbofan propulsion system. In particular, PDE-based 
propulsion is attractive for flight Mach number up to about 3–4. Within this range of Mach number, solid 
rocket motors are known to be very efficient in terms of simplicity and high-speed capability, but they 
have a limited powered range. Turbojet and turbofan engines, due to their high specific impulse, provide 
longer range and heavier payloads, but at flight Mach number exceeding 2–3 they are getting too 
expensive. Ramjets and ducted rockets designed for flight Mach number up to 4 require solid rocket 
boosters to accelerate them to the ramjet take over speed, which increases the complexity and volume of a 
propulsion system. Combined-cycle engines, such as turborockets or turboramjets, are also very complex 
and expensive for similar applications.  


In a PDE, detonation is initiated in a tube that serves as the combustor. The detonation wave rapidly 
traverses the chamber resulting in a nearly constant-volume heat addition process that produces a high 
pressure in the combustor and provides the thrust. The operation of PDE at high detonation-initiation 
frequency (about 100 Hz) can produce a near-constant thrust. In general, the near-constant volume 
operational cycle of PDE provides a higher thermodynamic efficiency as compared to the conventional 
constant-pressure (Brayton) cycle used in gas turbines and ramjets. The advantages of PDE for air-
breathing propulsion are simplicity and easy scaling, reduced fuel consumption, and intrinsic capability of 
operation from zero approach stream velocity to high supersonic flight speeds.  


In order to use propagating detonations for propulsion and realize the PDE advantages mentioned above, a 
number of challenging fundamental and engineering problems has yet to be solved. These problems deal 
basically with low-cost achievement and control of successive detonations in a propulsion device. To 
ensure rapid development of a detonation wave within a short cycle time, one needs to apply: 


• Efficient liquid fuel injection and air supply systems to provide fast and nearly homogeneous 
mixing of the components in the detonation chamber;  


• Low-energy source for detonation initiation to provide fast and reliable detonation onset; 
• Cooling technique for rapid, preferably recuperative, heat removal from the walls of detonation 


chamber to ensure stable operation and avoid premature ignition of fuel–air mixture leading to 
detonation failure;  
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• Geometry of the combustion chamber to promote detonation initiation and propagation at lowest 
possible pressure loss and to ensure high operation frequency; and  


• Control methodology that allows for adaptive, active control of the operation process to ensure 
optimal performance at variable flight conditions, while maintaining margin of stability.  


In addition to the fundamental issues dealing with the processes in the detonation chamber, there are other 
issues such as: 


• Efficient integration of PDE with inlets and nozzles to provide high performance;  


• Durability of the propulsion system; and 


• Noise and vibration. 


The lecture note is organized in such a way that the reader first gets acquainted with the thermodynamic 
grounds for detonation-based propulsion (Section 2), followed by the principles of practical 
implementation of the detonation-based thermodynamic cycle in Section 3. As the main focus of this 
lecture is the utilization of PDE for propulsion, various performance parameters of PDEs (e.g., specific 
impulse, thrust, etc.) are discussed in Section 4 for the idealized PDE configuration with direct detonation 
initiation. The main operational constraints of PDEs are discussed in Section 5.  


Section 6 is dedicated to the numerical simulation of the operation process in a more realistic PDE 
configuration with DDT rather than direct detonation initiation. For the numerical simulation of DDT, a 
coupled Flame Tracking – Particle (FTP) method combined with the look-up tables of laminar flame 
velocities and fuel oxidation kinetics has been developed and implemented. The method proved to be very 
efficient in terms of CPU requirement and has been successfully tested for several two-dimensional (2D) 
configurations with flame acceleration in smooth-walled channels of different length, in channels with 
regular obstacles, and in complex-geometry channels with orifice plates (Subsection 6.1). The results of 
numerical simulation of DDT in the stoichiometric propane – air mixture filling a PDE channel with 
regular obstacles and convergent-divergent nozzle are presented in Subsection 6.2. Thrust performances of 
the idealized and DDT-based propane-fueled PDEs are compared in Subsection 6.3 for the zero flight 
speed conditions. Section 7 presents the results of calculations of the operation process and thrust 
performance for the PDE under Mach 3.0 flight conditions. Finally, the operation principles and thrust 
performances of liquid-fueled research PDEs developed and tested at the Semenov Institute of Chemical 
Physics (SICP) are discussed in Section 8. The experimental data substantiate the possibility of obtaining 
DDT in air mixtures of practical fuels (aviation kerosene) with short run-up distances and times and with 
very low ignition energies. 


2.0 THERMODYNAMIC GROUNDS FOR DETONATION-BASED 
PROPULSION  


Zel’dovich [1] has shown that detonative combustion is thermodynamically more efficient than constant-
volume and constant-pressure combustion. This can be seen from Fig. 1 that is the pressure )( p  – specific 
volume )(v  diagram.  


Consider as an example the combustion of stoichiometric propane – air mixture:  


C3H8 + 5O2 + 18.8N2 = 3CO2 + 4H2O + 18.8N2 


Assume that the initial thermodynamic state of the reactive mixture corresponds to point O in pressure – 
specific volume diagram of Fig. 1, i.e., 00  , vvpp == . The thick solid curve is the reactive mixture 
Hugoniot. Detonative combustion corresponds to the jump from point O to shock Hugoniot (not shown) 
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followed by transition to point D – Chapman–Jouguet (CJ) point – along the Reyleigh line (OD is a piece 
of that Reyleigh line). At point D, the entropy of combustion products is known to attain a minimum and 
the corresponding Poisson adiabat is tangent to the reactive Hugoniot. If one assumes that after expansion 
the combustion products attain the initial pressure 0p , then isentropic expansion from point D proceeds 
along dotted curve 'DD  towards point 'D . In case of constant-volume combustion, the thermodynamic 
state of the mixture varies along vertical line OE. Further isentropic expansion proceeds along curve 'EE  
that terminates at point 'E . Finally, constant-pressure combustion results in variation of the 
thermodynamic state along line 'OG  with point 'G  representing the final thermodynamic state. Note that 
points D, E, and 'G  are located at the same reactive Hugoniot. Clearly, the entropy rise during detonative 
combustion is minimal, i.e.,  


OGOEOD SSSSSS −<−<− ′′′      (1) 


 


Figure 1: Thermodynamic cycles with constant-pressure, constant-volume,  
and detonative combustion (no precompression). 


From now on, the constant-pressure, constant-volume, and detonative combustion cycles will be referred 
to as Brayton, Humphrey, and PDE cycles. The efficiency of thermodynamic cycles O'ODD , O'OEE , 
and O'OG  can be readily estimated. At point O, the total specific enthalpy of the reactive mixture is 


qhH += 00 , where 0h  is the specific thermal enthalpy, and q  is the heat effect of combustion. The 
enthalpy of the combustion products is hH = . The work W  performed in the cycles is determined as 


qhhHHWWW ae +−=−=−= 00 , where eW  is the expansion work and )( 00 vvpWa −=  is the work 
against ambient pressure. The thermal efficiency is defined as 


q
HH


q
W −


== 0χ      (2) 


Assume that the gas obeys the ideal gas law with constant specific heats. The heat effect of combustion 
reaction for the stoichiometric propane – air mixture is taken equal to =q 19760 cal/mol (mix). Initial 
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temperature is taken equal to 3000 =T  K. The initial mixture properties, such as specific heats at constant 
pressure 0pc  and at constant volume 0vc  are taken as 78.80 =pc  cal/mol/K and 79.60 =vc  cal/mol/K, so 
that the specific heat ratio is 293.1/ 000 == vp ccγ . The corresponding mean properties of combustion 
products irrespectively of the combustion mode are taken, respectively, as 40.10=pc  cal/mol/K and 


42.8=vc  cal/mol/K, so that 235.1/ == vp ccγ . Figure 1 discussed above is plotted for these values of 
governing parameters. The reactive Hugoniot in Fig. 1 satisfies the following equation: 
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As a result of constant-pressure combustion, the temperature, pressure, and specific volume of combustion 
products at point 'G  in Fig. 1 are K 2199/0G =+=′ pcqTT , 0G pp =′ , and 0G 33.7 vv =′ , giving 


22390)( 0G00G =−+= ′′ TTcTcH pp  cal/mol. Combustion at constant ambient pressure (without mixture 
precompression) results in zero thermodynamic efficiency of Brayton cycle, as 0G HH =′ , i.e.,  


0==constpχ       (3) 


Constant-volume combustion (point E in Fig. 1) results in temperature K 2647/0E =+= vcqTT , pressure 
== 0E0E /TTpp 082.8 p , and specific volume 0E vv = . Isentropic expansion of combustion products from 


Ep  to 0p  results in temperature drop from ET to ≈= −−
′


γγ /)1(
0EEE )/( ppTT 1749 K, giving 


17700)( 0E00E =−+= ′′ TTcTcH pp  cal/mol (point 'E  in Fig. 1). Substituting the value of E ′= HH  into Eq. 
(2) one obtains the efficiency of the Humphrey cycle: 


238.0E0 ≈
−


= ′
= q


HH
constVχ      (4) 


At point D in Fig. 1, pressure, temperature, and specific volume of detonation products are estimated as  


0
2
CJ0D 178.17)]1/()1M(1[ ppp ≈+−+= γγ  


K 2924
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where  


+++= 0CJ 2/)1(1M Tcq pγ  02/)1( Tcq p+γ  


is the Mach number of the CJ detonation wave (detonation velocity is 1804 m/s). Isentropic expansion of 
detonation products from Dp  to 0p  results in temperature drop from DT  to == −−


′
γγ /)1(


0DDD )/( ppTT  
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1702 K, giving 17210)( 0D00D =−+= ′′ TTcTcH pp  cal/mol. Substituting the value D ′= HH  into Eq. (2) 
one obtains the efficiency of the PDE cycle with detonative combustion: 


262.0D0
Detonation =


−
= ′


q
HHχ


     (5) 


Comparing Eqs. (3), (4), and (5) one comes to the following relation between the thermal efficiencies of 
Brayton, Humphrey, and PDE cycles without initial mixture precompression: 


constpconstV == >> χχχDetonation      (6) 


As K 1702D ≈′T , K 1749E ≈′T , and K 2199G =′T , the relationship (1) between entropy change in 
processes 'ODD , 'OEE , and 'OG  is now substantiated quantitatively. 


Mixture precompression results in the pressure – specific volume diagram of the type shown in Fig. 2. 
Mixture precompression can be attained by using a mechanical compressor and/or by decelerating the 
flow in a combustor (ram compression). In the latter case, the relationships between the vehicle flight 
Mach number ∞M  and ram compression ratio Rππ =  is 
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if ideal isentropic compression (without shocks) to stagnation parameters is assumed. Analysis shows that 
in terms of the gain in ideal thermal efficiency, the PDE cycle in an engine with purely ram compression is 
favorable at flight Mach numbers 0 < ∞M  < 3–4, being most favorable at subsonic, transonic, and 
moderate supersonic flight speeds. At 43M −>∞ , the difference in ideal thermal efficiencies of the cycles 
becomes less pronounced.  
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Figure 2: Thermodynamic cycles with constant-pressure, constant-volume,  
and detonative combustion (with precompression). 


To show the effect of presompression on the thermal efficiency, assume ideal isentropic compression of 
initial mixture from state O to state 'O  with ram compression ratio 82.7=Rπ  corresponding to flight Mach 
number 2.0. The thermodynamic parameters in state 'O  are: temperature K 478/)1(


0O ≈= −
′


γγπ RTT , pressure 


00O 82.7 ppp R ==′ π , specific volume ( ) 00OO00O 0.204/ vTpTpvv ≈= ′′′ , and the specific enthalpy is  


4198/)1(
00O ≈+= −


′ qTcH Rp
γγπ  cal/mol q+  


Further energy release due to detonative, constant-volume, or constant-pressure combustion results in 
transition from state 'O  to state D, E, or G, respectively, located on the reactive Hugoniot: 
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which is different from that shown in Fig. 1 as it contains parameters at state 'O  rather than at state O. 
Isentropic expansion of combustion products to the ambient pressure 0p  results in new final states 'D , 


'E , or 'G , depending on the combustion mode. 


At constant-pressure combustion (Brayton cycle O'GGOO' ), the enthalpy of the combustion products at 
point G is OG ′= HH  resulting in temperature K 2378/OG ≈+= ′ pcqTT , pressure 0G 82.7 pp = , and 
specific volume ( ) 00GG00G 013.1/ vTpTpvv ≈= . Isentropic expansion of combustion products from Gp  to 


0p  results in temperature drop from GT  to =′GT 1608 K, increase in the specific volume from Gv  to 
( ) 00GG00G 818.5/ vTpTpvv ≈= ′′′ , giving 15950G =′H  cal/mol. The efficiency of cycle O'GGOO'  is then 


equal to 
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326.0G00G0 ≈
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HqTc
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HH p
constpχ  


Constant-volume combustion (Humphrey cycle O'EEOO' ) results in temperature 
K 2825/OE =+= ′ vcqTT , specific volume 0OE 204.0 vvv == ′ , and pressure 0OEOE 2.46)/( pTTpp ≈= ′′ . 


Isentropic expansion of combustion products from Ep  to 0p  results in temperature drop from ET  to 
≈= −−


′
γγ /)1(


0EEE )/( ppTT 1362 K, increase in the specific volume from Ev  to ( ) 00E0E 726.4/ vTTvv ≈= ′′  
and 13390EE ≈= ′′ TcH p  cal/mol. Thus, the efficiency of cycle O'EEOO'  is: 


456.0E0 ≈
−


= ′
= q


HH
constVχ  


At point D, pressure, temperature, and specific volume of detonation products are estimated as  


0
2
CJOD 675.88)]1/()1M(1[ ppp ≈+−+= ′ γγ  
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where the Mach number of the CJ detonation wave is equal to  


+++= ′OCJ 2/)1(1M Tcq pγ  O2/)1( ′+ Tcq pγ ≈  4.44 


Isentropic expansion of detonation products from Dp  to 0p  results in temperature drop from DT  to 
== −−


′
γγ /)1(


0DDD )/( ppTT 1328 K and increasing specific volume from Dv  to ( ) 00D0D 426.4/ vTTvv ≈= ′′ , 
giving 13040DD == ′′ TcH p  cal/mol. The efficiency of PDE cycle O'DDOO' : 


473.0D0 =
−


= ′


q
HH


Detonationχ  


Using the same procedure, one can estimate cycle efficiencies for various values of precompression ratio 
Rπ . Figure 3 shows the calculated dependencies of constp=χ  (Brayton cycle), constV =χ  (Humphrey cycle), 


and Detonationχ  (PDE cycle) depending on the compression ratio π .  
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Figure 3: Predicted thermodynamic efficiency of PDE (1), Brayton (2),  
and Humphry (3) cycles depending on the precompression ratio π . 


Thus, precompression of the reactive mixture increases the efficiency of all cycles under consideration, 
however leaving valid the relationships (1) and (6). Calculations of comparative cycle efficiencies with 
realistic thermodynamics gives qualitatively similar results to those discussed above [2–4].  


3.0 PDE CYCLE 


The PDE cycle applies a concept of fuel combustion in repeatedly generated detonation waves traversing 
the combustion chamber [5–10]. The thermal efficiency of the ramjet cycle with such a repeated (pulsed) 
process will evidently depend on the frequency of generation of detonation waves. This device, referred to 
as a PDE, is the primary focus of this lecture. 


According to current understanding, the PDE comprises (Fig. 4): 


• Air intake ensuring continuous inflow and compression of air from the ambient atmospheric 
pressure to a certain stagnation pressure;  


• Receiver, where the air passing from the air intake is divided into two streams: one to the 
detonation chamber and the other to the annular bypass channel; 


• Valve-distribution system, which forces air to pass from the receiver either to the detonation 
chamber or to the bypass channel in a given time sequence;  


• Detonation chamber consisting of a tube with fuel injector and detonation initiator at the entrance;  


• Supersonic nozzle; and 


• Fuel tanks and systems of fuel injection.  
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Figure 4: Pulsed detonation engine with supersonic air  
intake, bypass channel, mechanical valve, and nozzle. 


The operation cycle of a PDE includes the following phases:  
• Injection of fuel into the detonation chamber and mixing of fuel with incoming air;  
• Valve closing and mixture ignition; 
• DDT and mixture burnout in a propagating detonation wave; and  
• Expansion of detonation products through a supersonic nozzle.  


Subsequent valve opening and fuel injection into the detonation chamber starts the new operation cycle. 
The mechanical valve is used to prevent detonations or shocks from moving outward through the air 
intake and to ensure a controlled inward flow rate of fresh air. Various valveless PDE configurations are 
also considered [9]. To reduce thrust pulsations and noise, multitube configurations of PDE are proposed 
that imply the use of phase shift between processes in different tubes.  


4.0 SPECIFIC IMPULSE OF IDEALIZED PDE 
The simplest (idealized) PDE configuration with direct detonation initiation is shown in Fig. 5. We 
consider a planar 2D configuration with a straight smooth-walled PDE channel of height ( H = 52 mm) 
and length ( L = 3 m) filled with the stoichiometric propane – air mixture at normal initial conditions 
( =0p 1 atm, =0T 293 K). The detonation is initiated at the closed end of the PDE channel by making a 
provision for the high-pressure (40 atm) initiation section with the length Hl =  filled with hot 
combustion products of the stoichiometric propane – air mixture at temperature 3300 K. To facilitate 
detonation initiation, the initial velocity of the products was taken equal to 2000 m/s. The calculations are 
performed using a CFD code solving Reynolds Averaged Navier – Stokes (RANS) equations by the 
control-volume approach with 5-step overall propane oxidation chemistry implemented through the 
Particle method [11]. 


 


Figure 5: Schematic of an idealized PDE with a section for direct detonation initiation. 


For the PDE channel of Fig. 5,the thrust performance parameters can be estimated using the following 
equations:  


•  Specific (per unit area) thrust P :  
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•  Impulse per unit area I :  


∫=
ct


dttPI
0


)(       (8) 


•  Specific fuel-based impulse spI : 


gm
IFI
f


esp =       (9) 


In Eqs. (7)–(9), F  is the cross section area of the PDE channel, ρ , U , and p  are the gas density, 
velocity, and pressure, respectively, index e relates to the PDE channel outlet, ct  is the PDE channel 
evacuation time (the time taken for )(tP  to attain the maximum value), fm  is the fuel mass in the PDE 
channel, and g  is the acceleration of gravity. 


Obviously, the value of the specific impulse should be close to the value obtained by direct integration of 
the pressure over the PDE thrust wall. Some small differences can arise due to momentum and energy 
losses at the smooth walls of the PDE channel. Defining the force acting at the unit area of the thrust wall 


TP  and impulse per unit area TI  as  


∫ −=
TF


T
T


T dFptp
F


tP ])([1)( 0      (10) 


and 


∫=
ct


TT dttPI
0


)(       (11) 


where index T relates to the thrust wall, one obtains  


gm
IFI


f


T
TTsp =,       (12) 


The curve in Fig. 6 shows the specific thrust history at the outlet of the PDE channel for this case. For the 
sake of convenience, Fig. 6a shows the specific thrust history for the early stage of the exhaust process 
( <t 12 ms) and Fig. 6b for its late stage ( 509 << t ms). The area under the curve in Fig. 6, is 
approximately equal to 1005040±≈I  sPa ⋅ (the estimated calculation error of I  is 2%). Taking into 
account that ≈fm 0.00547 kg/m, eF = 0.026 m2/m, and 8.9=g  m/s2 one comes to the following value of 


the specific impulse spI  of Eq. (9):  


502440
8.900547.0


5040026.0 ±=
⋅


≈=
gm


IFI
f


esp  s   (13) 
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Figure 6: Time histories of the specific (per unit area) thrust calculated based on the  
exhaust flow parameters at the PDE channel exit at direct detonation initiation  


in a straight smooth-walled channel: (a) <t 12 ms, (b) 9 << t 50 ms. 


As expected, application of Eqs. (10)–(12) shows that spTsp II ≈, , i.e., for the idealized PDE of Fig. 5 skin 
friction and heat losses can be neglected.  


It is instructive to compare the present results of numerical simulation in the straight smooth-walled PDE 
channel with the results available in the literature. According to one-dimensional (1D) analysis [12, 13], 
the impulse per unit area I is equal to  


CJTZ tppKI )( 0−≈      (14) 


where CJCJ DLt /=  is the residence time of the detonation in the PDE channel, TZp  is the Taylor–
Zel’dovich “detonation kernel” pressure, and K  is the coefficient which is somewhat different in various 
studies due to details of direct detonation initiation, channel geometry, etc.: K = 4.65 in [13], 4.85 in [14], 
and 5.15 in [12]. The value of TZp  can be calculated as [12]: 


)1/(2
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1
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γγ


γ
γ


CJTZ pp  


where CJp  is the Chapman–Jouguet pressure and γ  is the ratio of specific heats in the detonation 
products. Detailed thermodynamic calculations for the stoichiometric propane – air mixture at normal 
initial conditions give CJp =1.827 MPa and 166.1≈γ , therefore ≈TZp 0.65 MPa. The “ideal” residence 
time in the example under consideration is ≈CJt 3/1804≈1.66 ms. Substituting these values to Eq. (14) 
gives 


sPa47004250 ⋅−≈I  


The corresponding value of the specific impulse is  


22302010 −≈spI  s 
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These values are less than those obtained in the present 2D calculations ( 1005040±  sPa ⋅  and 
502440±  s, respectively). The excess impulse in the present calculations (about 13% in average) can be 


explained by the contribution of the detonation initiator [13]. According to [13], depending on the tube 
length and initiator energy, the initiator contribution to the impulse can be as large as 17% to 27%.  


Note that the self-sustained Chapman–Jouguet detonation in our computational example propagates with 
the constant velocity close to 1900 m/s. This velocity corresponds to the thermodynamically equilibrium 
value calculated based on the truncated composition of reaction products (only CO2, H2O, CO, H2, C3H8, 
and O2 species are considered in the 5-step reaction scheme of propane oxidation). Note that this value is 
about 5% higher than the thermodynamic detonation velocity 1804≈CJD  m/s calculated based on the 
extended composition of reaction products [15]. 


Thus, the fuel-based specific impulse of PDE in the configuration of Fig. 5 predicted for the conditions of 
zero flight speed exceeds considerably the maximum attainable fuel-based specific impulse of a ramjet, 
which vanishes at zero flight-speed conditions and attains the maximum value of about 1600–1800 s at 
optimal supersonic flight conditions.  


5.0 OPERATIONAL CONSTRAINTS 


It is instructive to indicate the range of operation conditions for the PDE assuming that it is designed for 
producing thrust for a flying vehicle.  


The basic requirement to the PDE fuel is that it should readily detonate with low sensitivity to initial 
conditions in terms of pressure, temperature, and mixture composition.  


Another requirement to the PDE fuel, which contradicts the above requirement, is avoiding surface 
ignition of explosive mixture before or after triggering the initiator, or uncontrolled autoignition of the 
mixture due to mixing with residual combustion products. Premature ignition is expected to arise near the 
hot walls of the detonation chamber (at temperatures exceeding ~ 800 K), providing that the cycle duration 
is longer than the autoignition delay. In view of it, the PDE fuel should exhibit high resistance to ignition 
by a hot surface. A particular issue is avoiding premature ignition in the vicinity of the initiator. It is 
expected that the surfaces located near the initiator and the initiator itself can get very hot during 
operation, and the abnormal combustion can produce thermal damage in a very short time. 


For propulsion applications, the PDE fuel is preferably a liquid hydrocarbon (or other liquid compound) 
due to high energy density. The requirement of fast mixing of fuel with incoming air implies that the PDE 
fuel should exhibit high vapor pressure at operation conditions. One of possible solutions is recuperative 
fuel preheating or prevaporization. The presence in the PDE fuel of nonvolatile hydrocarbons and 
additives containing metals and polymeric compounds can promote premature ignition due to their 
deposit-forming tendency. The deposits are known to produce the thermal isolation effect increasing the 
wall temperature. 


The other very important issue is detonation initiation. On the one hand, the energy requirements for direct 
detonation initiation in an air-breathing PDE operating on standard hydrocarbon fuels are too high. Thus, 
for direct detonation initiation of the stoichiometric propane – air mixture one needs tens of grams of high 
explosive (e.g., TNT) per cycle which is absolutely unfeasible for a multipulse PDE operation. On the 
other hand, DDT in a gaseous propane–air mixture requires very long tubes: no less than 260 tube 
diameters for a straight smooth tube [16] and more than 60 tube diameters for a straight tube with 
turbulence promoters in the form of regular obstacles [17, 18]. Therefore there is a need in the 
development of efficient means for reducing the DDT run-up distance and time for gas- and liquid-fueled 
air-breathing PDE applications. By other words, one has to ensure fast DDT in a PDE tube at the lowest 
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possible ignition energy, at the shortest distance, with the lowest pressure loss. In view of it, all realistic 
estimates of PDE performances have to be based on the consideration of fast DDT rather than direct 
detonation initiation in the PDE tube. 


The existence of detonability limits dictates the constraints on combustor diameter and mass flow rate. 
The length of the combustion chamber determines the combustor volume and overall operating frequency 
because of the individual processes that must occur for each cycle. The operating frequency f of a given 
engine is defined as ct/1 , where cycle duration ct  is composed, in general, of five characteristic time 
intervals: filling fltΔ , purging prtΔ , detonation initiation intΔ , detonation traversing the combustor trtΔ , 
and exhaust extΔ , i.e., 


extrinprflc tttttt Δ+Δ+Δ+Δ+Δ=  


The dynamic filling and exhaust/purging processes tend to be the longest duration and can be shortened by 
operating at higher dynamic pressures, but with some upper limit due to filling losses. The length of the 
combustor and the filling velocity determine the fill time, fltΔ , since the mass flow into the combustor has 
to traverse the derived combustor length. Since the length, flight dynamic pressure, and operating 
frequency of a combustor are directly coupled, an optimum will likely exist where performance will be 
maximized. Practical values of operation frequency are near 100 Hz, but this frequency limit could be 
overcome if multiple injection locations are utilized. 


In addition to the fuel detonability requirements mentioned above, a set of vehicle design requirements 
(low pressure loss, low weight, size constraints, etc.) should be met. Clearly, some of the requirements 
appear to be quite contradictory, and a sort of compromise must usually be achieved.  


6.0 SIMULATION OF OPERATION PROCESS IN NONIDEALIZED PDE 


More realistic estimates of PDE performances, as compared to those obtained with the presumption of direct 
detonation initiation require the availability of a computationally efficient algorithm for multidimensional 
numerical simulation of DDT in gas- and liquid-fueled air-breathing PDE. Recently, we have developed 
such an algorithm which is based on the coupled FTP method [11]. The method allows simulating both 
frontal and volumetric combustion in a compressible flow, in particular, flame acceleration in a channel of 
complex geometry followed by preflame autoignition and transition to a detonation.  


The coupled FTP method has been implemented into the standard CFD code solving the RANS equations 
by the control-volume technique. The method has been thoroughly validated against experimental data on 
flame acceleration in smooth-walled and obstructed channels with one closed and one open end. Such 
channel configurations are directly relevant to PDE applications. 


6.1 FTP Method Validation 


Smooth-Walled Channel 


The FTP method has been first used for calculating flame propagation in straight rectangular 40x40 mm 
smooth-walled channels 2.6, 3.5, 5.1, and 6.1 m long with one closed and one open end filled with the 
stoichiometric propane – air mixture at normal initial conditions as used in experiments [19].  


Figure 7 compares the results of calculations with the experiments in terms of the time histories of the 
distance traveled by the flame. Solid curves correspond to the predicted results whereas the dashed curves 
correspond to the measurements.  
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Figure 7: Comparison between predicted (solid curves) and measured [19] (dashed curves) 
distances traveled by the flame vs. time in 40 x 40 mm straight channels of  


different lengths filled with the stoichiometric propane–air mixture:  
(a) channel length 2.6 m, (b) 3.6 m, (c) 5.1 m, and (d) 6.1 m. 


The walls of the channel were assumed isothermal ( =wT 293 K). At the open end, a constant-pressure 
( =0p 1 atm) boundary condition was applied. The stoichiometric propane – air mixture was assumed 
initially quiescent at =0T 293 K and =0p  1 atm.  


The initial flame kernel was taken as a circle 1 mm in radius with the center located at 1 cm from the 
closed end-wall at the symmetry plane (similar to experimental ignition conditions). The internal energy of 
the gas in the kernel (ignition energy) was on the order of 1 mJ.  


The turbulent flame velocity tu  was modeled by the Shchelkin formula:  


22 /1 nnt uuuu ′+≈       (15) 


where u′  is the local instantaneous turbulence intensity, related to the turbulent kinetic energy or to 
pulsating velocity correlations, and nu  is the local instantaneous laminar burning velocity. Turbulence 
was modeled by the standard k–ε model. The laminar burning velocity nu  was linearly interpolated using 
the data of extended look-up tables.  
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The computational grid was uniform with square cells 2 x 2 mm. On the subgrid level, the flame front in a 
computational cell was normally represented by no less than 15 segments.  


As seen from Fig. 7, the predicted flame front trajectories agree satisfactory with the measurements 
despite the 2D representation of essentially three-dimensional (3D) phenomena in the experiments. It is 
worth noting that the numerical simulation is capable of adequate predicting the effect of various pressure 
waves on flame motion which is obvious from simultaneous appearance of crests on the curves.  


Differentiation of solid curves shown in Fig. 7 allows obtaining the local instantaneous visible velocities 
of flame propagation. As an example, Fig. 8 shows the time history of visible flame velocity in the tube 
6.1 m long. Towards the end of the tube, the visible flame velocity is seen to increase up to nearly 
450 m/s. Flame acceleration is not monotonous. The periodic drops and humps in the visible flame 
velocity are caused by flame interactions with compression/rarefaction waves reflected from the open and 
closed ends of the channel. Such interactions result not only in flame deceleration/acceleration, but also in 
the variation of flame shape. Figure 9 shows the shapes of the flame at different stages of its propagation 
in the 6.1-meter tube. Clearly, flame – pressure wave interactions result in drastic changes of the mean 
flame shape. Very similar qualitative and quantitative findings are reported in [19].  
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Figure 8: Predicted flame propagation velocity in the 6.1-meter tube.  
Black dots denote locations with different flame shapes, shown in Fig. 5. 


 


Figure 9: Snapshots of mean flame shapes at different locations  
in the 6.1-meter tube, shown by black dots in Fig. 8. 
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It is worth noting that the FTP method avoids numerical smearing of the flame front: the combustion 
products are separated from the fresh mixture through a single computational cell in which flame segments 
are located.  


Channel with Regular Obstacles 


As an example of code performance for accelerating flames in obstructed tubes, let us consider the results 
of three test cases with flame acceleration in the straight cylindrical tube of internal diameter =D 152 mm 
and length =L 3.1 m with one open end and regular obstacles in the form of orifice plates with blockage 
ratio 0.43, 0.6, and 0.75 filled with the stoichiometric propane – air mixture at normal initial conditions as 
used in experiments [20]. The blockage ratio of orifice plates was defined as BR = 2)(1 Dd− , where d  is 
the orifice diameter. In the experiments, the mixture was initially quiescent and spark ignition took place 
at the closed end of the tube.  


The geometries of the tubes were represented by axisymmetrical geometries in the calculations. The walls 
of the tube were assumed isothermal ( =wT 293 K). At the open end, a constant-pressure ( =0p 1 atm) 
boundary condition was applied. The use of nonreflecting boundary conditions at the walls of a buffer 
volume of a larger cross section attached to the open end of the tube did not affect significantly the results 
of calculations leading however to increasing CPU time. 


The stoichiometric propane – air mixture was assumed initially quiescent at =0T 293 K and =0p  1 atm. 
The initial flame kernel was taken as a circle 1 mm in radius with the center located at 1 cm from the 
closed end-wall at the symmetry plane. The ignition energy was on the order of 1 mJ. The turbulent flame 
velocity was modeled by the Shchelkin formula (Eq. (15)). Turbulence was modeled by the standard k–ε 
model. The computational grids were structured with the mean cell size of 2 mm. The flame front in a 
computational cell was normally represented by no less than 15 segments.  


Figure 10 compares predicted visible flame velocities (curves) with experimental data [20] (symbols) 
depending on the distance traveled by the flame for the three different values of BR. In all cases, the 
distance between neighboring orifice plates (pitch S ) was equal to tube diameter DS = .  
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Figure 10: Predicted (curves) and measured (symbols [20]) visible flame velocities vs. distance 
in tubes of =D 152 mm with regular orifice plates (BR = 0.43, 0.6, and 0.75, pitch DS = ). 


Stoichometric propane – air mixture at =0T 293 K and =0p 1 atm. 


In general, satisfactory agreement between predicted and measured values of flame velocity is worth 
mentioning. Very good agreement is attained at the initial phase of flame acceleration, where its velocity 
is less than 300–400 m/s. The flame accelerates to about 800–900 m/s, i.e., to the velocity close to the 
sound speed in the combustion products (about 890 m/s). Initially, the flame accelerates faster in the tube 
with orifice plates of larger BR. This is probably caused by a higher level of turbulence generated by such 
obstacles. However further flame acceleration results in growing momentum losses and the efficiency of 
orifice plates with high BR in terms of flame acceleration decreases. 


Complex Geometry Duct 


Code performance was also validated for stoichiometric methane – air flame acceleration in the complex-
geometry duct shown in Fig. 11 with a prechamber 326 mm long, expansion volume 280 mm long, and a 
tube 2470 mm long with orifice plates and perforated partitions. In the experiments performed at SICP, the 
mixture was ignited by a spark plug at the left (closed) end of the prechamber. After traversing the 
prechamber, the accelerating turbulent flame entered the expansion volume through a nozzle 16 mm in 
diameter. In the expansion volume, flame further accelerated when passed through the perforated partition 
with 12 orifices, each 14 mm in diameter. Thereafter the flame transitioned to the 70-mm diameter tube 
with an array of regular obstacles in the form of orifice plates with the blockage ratio BR = 0.5 and 
spacing equal to tube diameter (70 mm). The far (right) end of the tube was open to the atmosphere. 







Pulse Detonation Propulsion  


4 - 18 RTO-EN-AVT-185 


 


 


330 330 330 330


560
80


326


52


16


14


130


70


50


1150


280
60


ДД1
ДД2 ДД3 ДД4 ДД5


PT1
PT2 PT3 PT4 PT5


 


Figure 11: Schematic of experimental setup (PT stands for  
pressure transducer). Dimensions are in millimeters. 


In the calculations, the duct of Fig. 11 was represented by the axisymmetrical geometry. The 
stoichiometric mehane – air mixture was assumed initially quiescent at =0T 293 K and =0p  1 atm. All 
settings were the same as in the previous validation examples.  


Figure 12 compares the predicted and measured mean shock wave velocities at three measuring segments 
PT2–PT3, PT3–PT4, and PT4–PT5. Figure 13 compares predicted and measured pressure histories at 
locations of pressure transducers PT1 to PT5. Taking into account the complexity of setup geometry, the 
results of calculations can be treated as very encouraging. 
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Figure 12: Comparison of predicted (line) and measured (circles) shock wave velocities in  
the setup of Fig. 11. Height of circles corresponds to the error of velocity measurement. 


Distance is measured from the outlet of the extension volume. 
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Figure 13: Comparison of predicted and measured pressure histories at pressure transducers 
PT1 to PT5 in the setup of Fig. 11. Time is measured from ignition triggering. 
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6.2 Simulation of DDT 
The coupled FTP methodology has been applied to the 2D numerical simulation of DDT in a PDE channel 
with flame accelerating obstacles and shock-wave focusing nozzle filled with the stoichiometric propane – 
air mixture at normal initial conditions.  


Figure 14 shows the schematic of a planar PDE channel (channel height =H 52 mm, =L  3 m) containing 
four segments: (1) flame acceleration segment 1280 mm long with one closed end and regular obstacles in 
the form of orifice plates with BR = 0.25 and pitch 20=S  mm, (2) first smooth-walled segment 220 mm 
long, (3) shock-wave focusing element 500 mm long in the form of the convergent-divergent (CD) nozzle 
of a special shape, and (4) second smooth-walled segment 1000 mm long with an end open to the 
atmosphere. The PDE configuration containing “flame accelerator” and “shock focusing element” has 
been first suggested in [21] for implementing a fast DDT concept [22, 23]. It implies that a shock wave 
generated by the accelerating flame can be transformed into a detonation wave while passing through a 
shock focusing element (tube coil, CD nozzle, etc.). The converging part of the CD nozzle ensures shock-
to-detonation transition in the core flow downstream the nozzle throat, whereas the conical diverging part 
ensures detonation survival and transitioning to the smooth-walled channel of height H . 


1280 220 500 1000
13 59


26 7


20
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Figure 14: Schematic of a PDE tube with flame accelerator and  
shock focusing nozzle. Dimensions are in millimetres. 


The first (intermediate) smooth-walled segment is used for ensuring a plug flow of shock-compressed 
unreacted mixture of duration sufficient for shock-to-detonation transition in the nozzle. The nozzle 
geometry was the same as that tested experimentally in [23] with the stoichiometric propane – air mixture. 


The reactive mixture in the PDE channel was assumed initially quiescent and filling the entire geometry. 
The walls of the channel were assumed isothermal ( =wT 293 K). At the open end, a large-volume buffer 
section with initial pressure =0p 1 atm was attached to the PDE channel. 


The boundary conditions and ignition were modeled in the same way as described above for the validation 
tests of the coupled FTP method. The ignition energy applied to the ignition kernel was 1 mJ. In planar 2D 
calculations, only an upper half of the PDE channel was considered with symmetry boundary conditions 
along three longitudinal symmetry planes. For tracing possible autoignition events, the preflame zone was 
filled with notional particles. The number of particles in each computational cell was controlled to be no 
less than 5 and no more than 20 with the mean value of 10. The autoignition of a particle was assumed to 


occur when the rate of temperature increase in this particle exceeded 610 K/s. The two-way coupling 
procedure between the particles and the mean flow was used. The autoignition of at least one particle in a 
cell was treated as the autoignition of all mixture throughout the cell volume. 


Figure 15 shows the time histories of visible flame and lead shock wave velocities. In the flame 
acceleration segment, both the flame and lead shock velocities increase to about 980 m/s. Upon entering 
the first smooth-walled segment the flame starts decelerating whereas the shock wave continues 
accelerating and attains the velocity of 1400 m/s at the nozzle inlet. The diagram of Fig. 15 indicates 
shock-to-detonation transition in the nozzle. The detonation wave is initiated via the overdriven detonation 
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mode. The maximum degree of overdrive is 1.26. When the detonation wave enters the second smooth-
walled segment, the degree of its overdrive is 1.03. The overdriven detonation further decays to the self-
sustained CJ mode in the second smooth-walled segment with the constant velocity close to 1900 m/s. As 
mentioned above, this velocity corresponds to the thermodynamically equilibrium value calculated based 
on the truncated composition of reaction products in the 5-step mechanism of propane oxidation. 
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Figure 15: Flame (solid curve) and lead shock wave (dotted curve) velocities vs. distance. 


Figure 16 shows the snapshots of temperature and pressure fields at several time instants ( =t 20, 21, and 
21.5 ms after ignition) during flame propagation in the flame accelerating segment. In the course of flame 
propagation along the channel its overall shape exhibits various transformations, including a tulip-like 
shape (not shown in Fig. 16) in qualitative accordance with experimental observations. Also seen are 
intense bow shocks attached to the obstacles which are the indication of supersonic shock-compressed 
flow ahead of the flame. Noteworthy is a short distance between the lead flame point and the flame-
generated shock wave (about H2.1 ). 
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Figure 16: Predicted temperature (top) and pressure (bottom) fields at =t 20, 21, and 21.5 ms. 


Figure 17 is the continuation of the snapshot sequence in Fig. 16 for =t 21.95, 21.975, 22.0, and 22.025 
ms after ignition. These snapshots correspond to the stage of the process after the shock wave – flame 
complex leaves the flame accelerating segment. At =t 21.95 ms, the shock wave – flame complex 
propagates in the first smooth-walled segment of the PDE channel. Due to lower turbulence intensity in 
this section, the flame lags behind the shock wave thus increasing the distance between them to about 


H2 . At =t 21.975 ms, the shock wave reflects from the converging nozzle wall creating two clusters of 
exothermic centers clearly seen in both pressure and temperature snapshots. The hot spots are located at 
the converging nozzle surface. At =t 22.0 ms, the reflection-induced preflame autoignition (“explosion in 
the explosion” [24]) gives rise to an extended region with extremely fast volumetric combustion. This 
explosion generates an overdriven detonation in the rear and frontal parts of the region. The wave 
propagating towards the flame is usually referred to as a retonation wave: when passing through the flame 
it degenerates to a nonreactive shock wave propagating in the combustion products. The wave propagating 
outwards from the flame is referred to as a detonation wave. Contrary to the relatively slow initial stage of 
flame acceleration, the evolution of the DDT process after preflame autoignition is very fast and occurs 
within about 50 sμ . Thus, in the presence of preflame autoignition, two modes of combustion become 
possible simultaneously, namely the frontal and volumetric. 
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Figure 17: Snapshots of temperature and pressure fields prior, at and after shock-to-detonation 
transition (the transverse size of the tube is purposely increased to clarify the details). 


Figure 18 shows the predicted spatial pressure distributions in the PDE channel at different time after 
ignition. Pressure oscillations are caused by bow shocks and rarefaction waves generated by regular 
obstacles. The localized “explosion in the explosion” occurring at about 22 ms results in pressure rise up 
to 150 atm. Figure 19 shows the snapshots of temperature and pressure corresponding to all time instants 
presented in Fig. 18. 
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Figure 18: Predicted spatial pressure distributions in the PDE channel at different time (in ms) 
after ignition. Different pressure scales are used for <t 21.9 (a) and >t  21.9 ms (b). 
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Figure 19: Predicted temperature (top) and pressure (bottom) fields at different time (in ms)  
after ignition (snapshots correspond to time instants shown in Fig. 18). 


6.3 Thrust Performance 
Let us analyze the thrust performance of the nonidealized PDE under study.  


The dashed curve in Fig. 20 shows the time history of the specific (per unit area) thrust defined by Eq. (7). 
As before, for the sake of convenience, Fig. 20a shows the specific thrust history for the early stage of the 
exhaust process ( <t 12 ms) and Fig. 20b for its late stage ( 509 << t ms). The impulse I  (see Eq. (8)), 
i.e., the area under the dashed curve in Fig. 20, is approximately 4880 sPa ⋅ . The estimated calculation 
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error of I  is 2%, i.e., 1004880±≈I  sPa ⋅ . Taking into account that for the PDE channel of Fig. 14 eF = 
0.026 m2/m, ≈fm 0.0052 kg/m, and 8.9=g  m/s2, one comes to the following value of the specific 


impulse spI :  


502480
8.90052.0


4880026.0 ±≈
⋅


≈=
gm


RFI
f


esp  s    (16) 
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Figure 20: Time histories of the specific (per unit area) thrust calculated based on the exhaust 
flow parameters at the PDE channel exit: solid curve – direct detonation initiation in a straight 


smooth-walled channel; dashed curve – DDT in the PDE channel of Fig. 14, dotted curve –  
direct detonation initiation in the PDE channel of Fig. 5: (a) <t 12 ms, (b) 9 << t 50 ms. 


Note that this value has been obtained based on Eqs. (7)–(9), i.e., based on momentum integration at the 
PDE outlet. Thus, the value of 502480±  s should be treated as the net specific impulse at PDE full fill 
conditions.  


This value of the specific impulse should be identical to the value obtained by direct integration of the 
pressure over the projection of all PDE channel surfaces on the plane normal to y -axis. However, if one 
integrates the pressure only over the PDE thrust wall (left end of the PDE channel in Fig. 14), the arising 
difference between the two values of the specific impulse can be attributed to momentum and energy 
losses.  


Figure 21 shows the calculated time history of pressure Tp  at the thrust wall. Using Eqs. (10) and (11) for 
defining the force acting at the unit area of the thrust wall TP  and impulse per unit area TI , one obtains  


2580
8.90052.0


5060026.0, ≈
⋅
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T
TTsp  s 
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Figure 21: Predicted absolute pressure history at the head end of the PDE tube (PDE thrust wall). 


Since the value of TspI ,  is calculated more precisely than spI , the difference between these values can be 
estimated as 50100, ±−≈−=Δ Tspspsp III  s. This difference should be obviously attributed to momentum 
and energy losses in the PDE channel flow caused by obstacles, CD nozzle, and cold walls. The relative 
contribution of the losses is unexpectedly very small: %6%2/ −≈Δ spsp II . By other words, the specific 
impulse of the PDE under study can be estimated based on the thrust wall pressure Tp .  


It is interesting that the value of spI  given by Eq. (16) is nearly the same as that given by Eq. (13), i.e., the 
DDT process in the PDE channel with obstacles and CD nozzle provides the same specific impulse as a 
detonation in a straight channel of the same length and nearly the same fuel mass. One has to take into 
account that contrary to the spI  of Eq. (16) the value of spI  of Eq. (13) is affected by the contribution of 
detonation initiator [13].  


For the PDE configuration of Fig. 14, an additional calculation was made: instead of DDT, direct 
detonation initiation was applied. The initiation technique was the same as in Fig. 5. The specific thrust 
history at the PDE channel outlet for this case is shown by the dotted curve in Fig. 20. Since the area under 
the dotted curve in Fig. 20 is approximately equal to 804180±≈I  sPa ⋅  and ≈fm 0.0052 kg/m, the 
calculated value of spI  is equal to 


402130
8.90052.0


4180026.0 ±=
⋅


≈=
gm


IFI
f


esp  s 


which is considerably (by 12%) less than the value of 502480 ±≈spI  s obtained for DDT. This 
unambiguously means that overall momentum and energy losses at direct detonation initiation are higher 
than at DDT, in particular in the obstructed segment of the PDE channel. Since the momentum losses are 
proportional to 2Uρ , propagation of detonation in this segment of the channel is accompanied with higher 
momentum losses than in the course of flame acceleration. As for the intensity of heat losses, it is known 
to be higher for flows with higher Reynolds number, i.e., in a detonation wave. It is noteworthy that 
detonation requires a much shorter time for channel evacuation than a DDT. 
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7.0 PDE PERFORMANCE IN FLIGHT CONDITIONS 


To study the PDE thrust performance in flight conditions, we considered a PDE-based axisymmetric 
vehicle of Fig. 4 with supersonic air intake, bypass channel, mechanical valve, and nozzle, flying at ∞M = 
3.0 at the altitude 9.3 km. At this altitude, the approach air-stream static temperature is 228 K giving the 
speed of sound of 303.6 m/s, and the static pressure is 0.29 atm. 


The specific geometrical dimensions of the vehicle under consideration are given in Fig. 22. The total 
length of the vehicle is 1829 mm, the outer diameter is 83 mm. The detonation chamber is a cylindrical 
tube 52 mm in inner diameter with regular obstacles in the form of orifice plates (BR = 0.3). A supersonic 
nozzle with the throat 36 mm in diameter is attached to the right end of the detonation chamber. Due to the 
specific shape of the bypass channel entrance, the mechanical valve blocks 73% of the engine-duct cross 
section when the entrance to the detonation chamber is closed and 48% when it is open.  


The engine was assumed to be fueled with gaseous propane. In the calculations, propane was supplied to 
the flow through the computational cells (“feed” cells) in a chosen cross section of the detonation chamber 
(shown as a vertical line marked in red in Fig. 22) by making a provision for a proper mass source in the 
cells. The chosen value of the mass source ensured the stoichiometric mixture composition in the “feed” 
cells. Ignition was triggered in the wake of the first orifice plate as shown in Fig. 22. The ignition 
procedure was the same as described above for the validation tests of the coupled FTP method. The 
ignition energy was on the order of 1 mJ. 


 


Figure 22: Flying PDE-based vehicle. Dimensions are in millimeters. 


Figure 23 shows the predicted time history of PDE thrust in the course of three engine cycles. As follows 
from Fig. 23, the first cycle differs considerably from the subsequent cycles, whereas the second and third 
cycles are nearly identical. Thus, the operation process becomes reproducible (attains the limiting cycle 
conditions) after the second-third cycle and engine thrust performance can be evaluated starting from the 
second or third cycle. The first cycle is different from the subsequent cycles due to the difference in the 
initial conditions for the first and subsequent cycles. Actually, the duration of the first cycle is 14 rather 
than 10 ms characteristic for the second and third cycles. 
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Figure 23: Predicted time history of PDE thrust in the course of three engine cycles. 


The drag force can be evaluated by considering the flow in the PDE duct without combustion. Thus, in the 
third cycle the components of the drag force impulse are:  


–0.04090 sN ⋅  (filling stage; valve is open; duration 4 ms) 


–0.02855 sN ⋅  (purging of bypass channel with air; valve is closed; duration 6 ms) 


The drag force at the filling stage is –0.04090/0.004 = –10.225 N, whereas the drag force at the stage of air 
purging through the bypass channel is –0.02855/0.006 = –4.758 N. Taking into account that these drag 
force components act during 0.4 and 0.6 fractions of the total cycle time, respectively, one obtains for the 
average drag force in the third cycle: –(10.225 ⋅ 0.4 + 4.758 ⋅ 0.6) = –6.945 N.  


Now, the PDE thrust can be estimated as the sum of the net force and the average drag force: 0.436  
+ 6.945 = 7.381 N.  


To estimate the specific impulse, one has to take into account that the mass of fuel supplied to the 
detonation chamber in the third cycle is 4.92 610−⋅ kg. Thus, the specific impulse is equal to  


1001531
8.91092.4


01.0381.7
6 ±≈
⋅⋅


⋅
= −spI  s 


Similar estimates for the second cycle give the value of 1600≈spI  s. In view of the difference between 
the spI  values at the second and third operation cycles and accompanying estimation errors, we come to 
the conclusion that 1001550 ±≈spI  s. This value is lower than that obtained above for zero flight speed 
( 502480±  s) but still higher than for a typical ramjet.  


It is instructive to look at the flow pattern in the PDE at flight conditions. Figure 24 shows the predicted 
response of the flow in the engine receiver to a change in the valve position in terms of static pressure 
isolines. This figure is plotted for the second cycle of PDE operation. When the valve is open (Fig. 24a) 
the bypass channel is closed and the entire airflow goes through the detonation chamber where it is mixed 
with fuel.  
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(a) 68 ms 


 
(b) 68.1 ms 


 
(c) 68.4 ms 


 
(d) 68.7 ms 


 
(e) 69 ms 


 
(f) 69.5 ms 


 
(g) 70 ms 


 
(h) 74 ms 


Figure 24: Predicted response of the flow in the engine receiver to a  
change in the valve position in terms of static pressure isolines. 
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Figure 24b shows the flow field 0.1 ms after the valve is instantaneously closed. Valve closing results in 
the formation of pressure waves propagating downstream in the bypass channel and upstream in the 
receiver (Figs. 24b and 24c). The latter penetrates into the intake (Figs. 24d and 24e) and approaches the 
normal shock at the intake entrance (Fig. 24f, 24g, and 24h) without disturbing much the flow therein.  


The duration of the flow through the bypass channel is 6 ms. This time corresponds to the active stage in 
the detonation chamber. During this transient period, the flow in the intake does not change its direction. 
Subsequent instantaneous valve opening results in flow transformation to the pattern shown in Fig. 24a. 


The duration of the flow through the detonation chamber is 4 ms. This time corresponds to purging and 
filling stages of the operation process. Thus, the total cycle time in this example is 10 ms and the operation 
frequency is 100 Hz. The characteristic airflow parameters at the axis of the receiver in Fig. 24g are: 
pressure – approximately 6.9 atm, temperature – approximately 600 K, and flow velocity – approximately 
100 m/s.  


Consider now the processes in the detonation chamber. Figure 25 demonstrates the flow patterns in the 
course of chamber filling with fuel (Fig. 25a), flame propagation shortly after ignition (Fig. 25b) and at a 
later stage, when flame accelerates considerably (Fig. 25c), shortly prior to DDT (Fig. 25d) and shortly 
after DDT (Fig. 25e), as well as during detonation wave propagation in the chamber (Fig. 25f).  
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(a) 65 ms 


 


 
(b) 68.2 ms 


 


 
(c) 68.58 ms 


 


 
(d) 68.68 ms 


 


 
(e) 68.7 ms 


 


 
(f) 68.88 ms 


Figure 25: Flow patterns at detonation chamber filling with fuel (a), flame propagation shortly 
after ignition (b) and at a later stage, when flame accelerates considerably (c), as well  


as shortly prior to DDT (d) and shortly after DDT (e), and at detonation  
propagation in the detonation chamber (f). 
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Careful consideration of Fig. 25f reveals the existence of several transverse waves in the detonation front 
structure indicating that the detonation propagates in conditions far from the detonability limit. As a matter 
of fact, the flow parameters in front of the detonation wave in Fig. 25f are: mixture composition – 
stoichiometric, pressure – 5 atm, temperature – 530 K, flow velocity at the chamber axis – 250 m/s, and 
mean pulsating velocity – 30–40 m/s. Despite the chamber diameter (52 mm) is close to the limiting tube 
diameter for the detonation of stoichiometric propane – air mixture at normal initial conditions, the elevated 
pressure and temperature in the chamber highly promote detonation sensitivity of the explosive composition. 


Figure 26 shows flow patterns in the nozzle of the PDE-based vehicle and in the exhaust plume at several 
time instants during the second operation cycle. One can clearly observe cooling of detonation products 
during expansion in the supersonic nozzle. Despite the reflection of the detonation wave from the 
converging nozzle section temporarily produces a negative thrust component the supersonic nozzle is 
needed to provide a necessary level of backpressure in the detonation chamber. After the detonation wave 
emanates from the nozzle, a transient wave system is formed downstream. This system includes a strong 
bow shock attached to the nozzle edge and a traveling Mach disk arising at a distance of about 4 nozzle 
exit diameters (Fig. 26a) and decaying at about 7 nozzle exit diameters (Fig. 26b and Fig. 26c). The 
maximum transverse size of the plume is about 4 nozzle exit diameters.  


 


 
(a) 69.2 ms 


 
(b) 69.4 ms 


 
(c) 70 ms 


Figure 26: Flow patterns in the nozzle of the PDE-based vehicle and in the exhaust plume. 
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8.0 EXPERIMENTAL SUBSTANTIATION 


8.1 Preliminary Remarks 
Thus, it has been shown above that the fuel-based specific impulse for the propane-fueled air-breathing 
PDE at Mach 3.0 flight conditions is 1001550 ±≈spI  s, which is higher than the specific impulse 
characteristic for hydrocarbon-fueled ramjets. The DDT run-up distance and time in such conditions were 
predicted to be so short that the engine integrating the supersonic intake, detonation chamber, bypass 
channel, valve distribution system, and supersonic nozzle could be quite compact with the total length as 
short as about 1.8 m and could operate at the altitude of 9.3 km with positive thrust at a frequency of 
100 Hz and very low detonation ignition energy on the order of 1 mJ.  


The possibility of obtaining a repeatable DDT in hydrocarbon fuel – air mixture with such short run-up 
distances and times at the ignition energy at such a low level has been experimentally studied at the SICP. 
Several engine designs have been suggested and PDE demonstrators fabricated and tested. Some examples 
and results are discussed below in this Section. 


8.2 Research PDE Demonstrator 
In 2005, a liquid-fueled air-breathing Research PDE (RPDE) demonstrator has been developed at SICP in 
Moscow. The demonstrator operation principles and performance were discussed in detail in [21]. 
A schematic diagram of the RPDE is shown in Fig. 27.  


 


Figure 27: The Semenov Institute RPDE demonstrator. 


The RPDE consisted of a predetonator and a main tube. The predetonator was a combination of two tubes, 
28 and 41 mm in diameter connected by a tapered transition section. The fuel atomizer at one end of the 
28-millimeter-diameter tube produced very fine droplets (5–6 μm at a distance of 70 mm from the nozzle). 
A low-energy electrical ignition system was used to ignite the resulting two-phase flow at a position 
60 mm downstream from the atomizer. A 400-mm-long Shchelkin spiral inserted in the tube was used for 
accelerating the arising flame to the visible velocity on the level of 600 to 700 m/s. The straight portion of 
the predetonator was connected to a single coil of 365-mm length. The shock wave produced by the 
accelerating flame propagated through the coil and subsequently emerged as a detonation wave in a 
second straight section of 28-millimeter-diameter tube. Interaction of the shock wave with the coil walls 
generated a transverse wave which transitioned into a single-head spinning detonation. The detonation 
propagated through the tapered section into the 41-mm-diameter portion of the predetonator tube. It 
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subsequently transmitted to the 51-millimeter-diameter main tube which was supplied with a fuel–air 
mixture through the annular gap between the predetonator and main tube.  


The fuel–air mixture in the main tube was supplied by a low-head compressor in conjunction with a 
standard automotive fuel injector that produced droplets in the 70–80-μm range. The fuels tested included 
n-hexane and n-heptane. Under cold start-up conditions, only a shock wave emerged from the coil (rather 
than a detonation wave), and a second igniter (igniter 2 in Fig. 27) was fired at the precise moment the 
shock wave traversed it, resulting in initiation of detonation. The second igniter was not required after 
seven to eight detonation pulses. Stable operation was observed after 12–15 pulses.  


The minimal mean fuel–air ratio in the predetonator required for the cold start-up of the RPDE was 
1.3± 0.1. The need in the fuel-rich mixture was attributed to the partial deposition of the injected fuel on 
the cold inner wall of the tube. After the transient initial period of operation, the optimal fuel–air ratio in 
both the predetonator and the main tube approached the stoichiometric value. This observation was based 
on the measurements of fuel consumption rate in experiments with the initially hot tube. Air and fuel flow 
rates in the detonation mode measured in the predetonator were 6.7± 0.5 and 0.4± 0.1 g/s, respectively; 
and in the main tube, 60± 7 and 3.8± 0.1 g/s, respectively. Due to the existence of two fueling zones there 
could be some overlap between them downstream from the entrance to the main tube. However, as the 
mass flow rates of fuel in the predetonator were about the order of magnitude less than in the main tube, 
this issue was not particularly addressed.  


The design of the RPDE was optimized in terms of obtaining the lowest possible ignition energy and shortest 
length. The rated ignition energy required for DDT was as low as 24 J. This energy was calculated based on 
the capacitance and voltage at igniter capacitors. Taking into account the residual energy in the capacitors 
after electrical discharge, the maximal error in determining the ignition energy did not exceed 7%. The 
efficiency at which electrical energy was deposited into the working fluid was about 15%–20%. At rated 
ignition energies below 24 J, ignition of the two-phase mixture failed due to flame blow-off from the igniter 
electrodes and reaction quenching. The total length of the system was 2.2 m. The plume of the predetonator 
is shown in Fig. 28. One can clearly see the multiwave structure of the supersonic exhaust plume. 
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Figure 28: The plume of the RPDE in four successive pulses. 


The RPDE design was optimized for attaining stable operation in the detonation mode rather than for 
obtaining high thrust performance. It was fired at a very low operation frequency (2.2–3.9 Hz). 
Nevertheless, a specific impulse of 700–800 s was gained at static conditions, which is roughly a half of 
the specific impulse relevant to hydrocarbon-fueled ramjets at Mach 2 flight conditions. The obtained 
value of the specific impulse is mainly explained by incomplete fuel combustion caused by low operation 
frequency and short main tube. However, owing to acceptable weight and size characteristics of the 
demonstrator, the proposed process design was regarded as promising for practical applications.  


In 2005, when the demonstrator was tested, the main problems to be solved were to ensure the stable 
operation of the RPDE that burned low-volatile fuel of the type of aviation kerosene rather than high-
volatile fuel (n-hexane and n-heptane) and to increase the delivered specific impulse by optimizing the 
length of the main tube and the operation frequency.  


The main advantage of the RPDE design under consideration was that it was based on DDT rather than 
direct detonation initiation. Moreover, in this design, no supplemental oxygen was required for successful 
predetonator operation.  


8.3 Kerosene-Fueled Predetonator with Curved Tube Segment 
The main element of the RPDE of Section 7.1 is the predetonator which ensures DDT at the shortest 
possible length with the lowest possible ignition energy. In 2006, a kerosene-fueled air-breathing 
predetonator has been developed at the SICP. The predetonator operation principles and performance were 
discussed in detail in [22]. A schematic diagram of the system is shown in Fig. 29.  
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Figure 29: Kerosene-fueled predetonator with curved tube segment. 


The predetonator comprised kerosene injector 1, detonation tube 2, electrical igniter 3, pressure 
transducers 4, detonation arrester 5, air bottle 6, fuel valve 7, air compressor 8, kerosene tank 9, fuel filter 
10, digital controller 11, power supply 12, PC 13, control relay 14, prevaporizer 15, thermostat 16, 
electrical heaters 17 and 18, and thermocouples 19. The fuel and air supply system provided the supply of 
fuel mixture components (liquid kerosene TS-1 — Russian analog of JetA — and air) in constant 
proportion due to the same driving pressure. Mixing of fuel and air started in the air-assist atomizer 1 and 
terminated in the detonation tube 2 of internal diameter 52 mm and 3 m long.  


The detonation tube was equipped with the igniter 3, water-cooled high-frequency pressure transducers 
PT1 to PT7 and/or ionization probes. The air-assist atomizer provided very fine kerosene drops 5 to 10 μm 
in diameter. Drop size distribution was measured by a soot-sampling method. The air was fed from the air 
bottle 6 connected to air compressor 8. The two-phase fuel-air mixture was continuously injected to the 
prevaporizer section 15 of the detonation tube 2. In this section, kerosene drops were partly vaporized and 
the hybrid drop – vapor – air mixture followed to the tube section with the Shchelkin spiral and shock-
focusing elements with low hydraulic resistance. The mass flow rate of the fuel–air mixture through the 
prevaporizer was varied from 12 to 20 l/s. To the end of the detonation tube, a detonation arrester was 
attached, which was a piece of 80-mm tube filled with the roll of thin corrugated metal tape.  


The external heating system was used to avoid the starting procedure. The heating system consisted of the 
thermostat with the prevaporizer 15 and the thermostat 16 with the detonation tube.  


The thermostats were equipped with electrical heaters 17 (0.6 kW) and 18 (2.5 kW), as well as with 
thermocouples 19. The thermostats were controlled by the control relays 14. The data acquisition system 
was based on analog-to-digital converter and a PC 13. The total number of registration channels was 16. 
The predetonator was operated remotely. 


Two sets of tests with the predetonator have been made. In the first, the detonation tube was straight, while 
in the second it contained a curved segment as shown in Fig. 30. The length of the Shchelkin spiral in both 
detonation tubes was 800 mm. The spiral was mounted 70 mm downstream from the prevaporizer nozzle. 
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In the tests with both tubes, the prevaporizer wall temperature was 190±10 oC. The temperature of the tube 
segment with the Shchelkin spiral was 120–130 oC and the temperature of the tube segment up to pressure 
transducer PT6 was 110–120 oC. The temperature of the tube segment downstream from pressure 
transducer PT6 was 20–30 oC.  


The fuel–air mixture was ignited in the prevaporizer either by the standard spark plug or by a more 
powerful electric discharge. In the tests with the straight tube, the ignition energy was varied from 5 to 
700 J. In these tests, the maximum registered shock wave velocity was about 800 m/s, i.e., no DDT was 
obtained.  


The second test series was performed with the curved tube of Fig. 30. The idea of using such a curved tube 
comes from the work on RPDE of section 6.1, where the combination of Shchelkin spiral followed by the 
tube coil was shown to be very efficient for shortening DDT distance and time. The curved tube segment 
consisted of two complete turns of the tube with the external diameter of 57 mm tightly around a rod 
28 mm in diameter with the pitch of 255 mm. 


 


Figure 30 The curved tube segment in the thermostat. 


The curved tube segment was mounted 100 mm downstream from the end of Shchelkin spiral. In the 
experiments with the curved tube segment the ignition energy was varied from 0.1 to 176 J. In these 
experiments, we have repeatedly registered detonation even at the lowest ignition energy used (0.1 J). 
Figure 31 shows the example of pressure records by pressure transducers PT1 to PT7 at the ignition 
energy of 0.1 J indicating the onset of detonation.  
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Figure 31: Example of pressure records by transducers PT1 to PT7  
at ignition energy 0.1 J indicating the onset of detonation. 


Table 1 shows the measured mean shock wave velocities along the detonation tube in 20 successive shots 
during multipulse operation of the predetonator. In all pulses, DDT in kerosene – air mixture was 
repeatedly attained at a distance of about 2 m with the propagation velocity at measuring segments (MS) 
PT5–PT6 and PT6–PT7 in the straight tube section on the level of 1830± 100 m/s despite a relatively poor 
pulse-to-pulse reproducibility of the shock-wave velocity at MSs PT1–PT2, PT2–PT3, and PT3–PT4 prior 
to DDT at MS PT4–PT5. The DDT was solely attributed to the use of the curved tube segment. The 
curvilinear reflecting surfaces in the curved tube led to gas-dynamic focusing of compression waves 
generated by the accelerating flame [22]. 
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Table 1: Measured shock wave velocities (in m/s) at different measuring segments  
of the predetonator in 20 successive pulses at operation frequency 1.5 Hz. 


Pulse No. PT1–PT2 PT2–PT3 PT3–PT4 PT4–PT5 PT5–PT6 PT6–PT7
1 912 952 1014 1182 1852 1734
2 912 987 1105 1633 1961 1852
3 784 1020 1139 1690 1852 1841
4 947 955 1073 1690 1841 1744
5 929 952 1105 1633 2113 1639
6 791 1064 1457 1752 1734 1852
7 822 1095 1138 1633 1841 1744
8 746 1017 1402 1678 1875 1734
9 850 1017 1402 1633 1974 1734


10 725 1141 1581 1690 1841 1744
11 725 1095 1588 1690 1841 1852
12 702 1141 1729 1633 1852 1840
13 631 1136 1588 1752 1734 1744
14 648 1186 1652 1752 1734 1744
15 746 1056 1588 1690 1734 1961
16 702 1020 1588 1627 1852 1840
17 587 987 1652 1633 1974 1734
18 723 926 1457 1690 1840 1852
19 912 896 1652 1690 1744 1840
20 725 822 1138 1627 1852 1852


 


The predetonator was optimized for attaining stable multipulse operation in the detonation mode rather 
than for obtaining high thrust performance. Despite the DDT run-up time in this predetonator was quite 
short (6–7 ms), implying a possibility of high-frequency operation (up to 50-60 Hz taking into account its 
filling and purging), it was fired only at low operation frequencies of 1–3 Hz. 


8.4 Kerosene-Fuelled Predetonator with CD Nozzle 
In 2009, another kerosene-fuelled predetonator has been developed at the SICP in Moscow. In this 
predetonator, instead of the shock-focusing element in the form of the curved tube segment, a CD nozzle 
insert was used. A schematic diagram of the system is shown in Fig. 32.  


 


Figure 32: Kerosene-fueled predetonator with a CD nozzle as a shock-focusing element. 


This system is similar to that considered in Fig. 14. Firing of this predetonator in the multipulse mode 
showed that it reliably provides DDT at short run-up distances (shorter than 2 m) and times (5–6 ms) with 
energy requirements as low as 0.1 J. Figure 33 shows the measured shock wave velocities at three MSs (1 
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to 3 in Fig. 32) in 10 successive pulses. One can see that the measured shock wave velocity at MS-2 and 
MS-3 in all pulses is nearly constant and attains the value of 1700–1800 m/s close to the CJ detonation 
velocity in kerosene – air mixture. The plume of the predetonator is shown in Fig. 34. 


 


Figure 33: Measured shock wave velocities at three measuring segments  
MS-1, MS-2, and MS-3 (see Fig. 32) in 10 successive pulses. 


 


Figure 34: The plume of the predetonator operating on aviation kerosene – air mixture. 


9.0 CONCLUDING REMARKS 


The material discussed above indicates that there are no fundamental constrains in applying repeatedly 
propagating confined detonations for producing thrust. The thermodynamic evaluation of the detonation 
cycle in comparison with constant-pressure and constant-volume combustion cycles for propane-fueled 
air-breathing engines shows that thermodynamic efficiency of pulse detonation thrusters is considerably 
higher than that of other conventional thrusters based on combustion.  
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When comparing the predicted performance of the idealized PDE operating on direct detonation initiation 
with the performances of the propane-fueled PDEs operating on DDT at both zero flight speed and Mach 
3.0 flight conditions, the DDT was shown to be a feasible approach for practical PDEs. Thus, the fuel-
based specific impulse for the propane-fueled air-breathing PDE at Mach 3.0 flight conditions was 
estimated as 1001550 ±≈spI  s, which is higher than the specific impulse characteristic for hydrocarbon-
fueled ramjets. The DDT run-up distance and time in such conditions were shown to be so short that the 
engine integrating the supersonic intake, detonation chamber, bypass channel, valve distribution system, 
and supersonic nozzle could be quite compact with the total length as short as about 1.8 m and could 
operate at the altitude of 9.3 km with positive thrust at a frequency of 100 Hz and very low detonation 
ignition energy on the order of 1 mJ.  


The possibility of obtaining a repeatable DDT in hydrocarbon fuel (aviation kerosene) – air mixture with 
such short run-up distances and times has been experimentally substantiated at the SICP. Several engine 
designs have been suggested and PDE demonstrators fabricated and tested. It has been proved 
experimentally that DDT in heterogeneous aviation kerosene – air mixture at atmospheric initial pressure 
can be repeatedly obtained at run-up distances and times shorter than 2 m and 5–7 ms, respectively, 
whereas the ignition energy can be as low as 0.1 J. These findings indicate that at zero flight speed 
conditions, a kerosene-fueled PDE operating on DDT can be fired at frequencies up to 50–60 Hz provided 
it is equipped with a starting device for air supply (e.g., fan, compressor, pressurized air bottle, etc.). At 
flight conditions, ram compression of approach stream air in the engine intake will facilitate filling and 
purging processes in the detonation chamber as well as decrease the DDT run-up distance and time (due to 
elevated mixture density), thus increasing the maximum PDE operation frequency.  


Thus, with the PDE technology air-breathing propulsion seems to receive a chance of getting a long-
expected breakthrough in efficiency, and, as a consequence, in increased range, payloads, etc.  
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ABSTRACT


Intake design for supersonic engines, in common with other engineering design problems, is application  
dependent  and the  true  challenges  are  in  meeting  performance  targets  over  the  required  Mach and 
Reynolds number ranges while complying with the multitude of constraints imposed by the aircraft/missile  
and its mission. The fundamentals and limitations of efficient ram compression are well understood and 
since  NASA,  DTIC,  RTO  and  AERADE  provide  free  public  access  to  a  large  database  of  intake  
experiments conducted in the 1940s to 1970s, the designer should be aware of problems encountered and  
the fixes applied during previous testing of isolated intakes. The outline of this lecture is a brief tour of  
some historic supersonic intakes discussing the features that enable the intake to meet its requirements  
and applying some reverse engineering to deduce how the designers appear to have approached the  
problem. The tour is combined with an introduction to tailoring compressive flow fields by exploitation of 
one and two dimensional flow elements.


1 INTRODUCTION


There is an established format for lectures, books and reviews concerning intakes, with a large section 
allocated to taxonomy, distinguishing types by: the number and location on the aircraft/missile; the degree 
of  external  and  internal  compression;  whether  they  are  based  on  two  dimensional  plane  flows, 
axisymmetric flows, or are three dimensional; and whether they are outward turning or inward turning. 
The function and design of the supersonic diffuser is then dealt with before a discussion of the subsonic 
diffuser. Methods of accounting for, and controlling boundary layers are necessarily included.


This lecture approaches the subject from a different perspective, here we are less concerned with intakes 
in general, and far more concerned with the details of selected intakes. The difference in approach reflects 
a  difference in philosophy,  and teaching styles.  I  think it  is  easier  to  extrapolate and expand from a 
detailed small study, than to imagine or reinvent what has not been revealed in a general overview. Should 
a less focused approach be preferred, there are good references that are free to download. Reference [1] is 
a  fine example,  summarising what  was known about  intakes in 1964,  which is  practically everything 
known about them today. It is not that work done after that time is redundant, but since the ground work 
was complete, later intake studies tend to be either learning exercises for the individuals involved, or are 
focussed on an application and remain unpublished for commercial and/or military reasons.


Fortunately with the elapse of time and the retirement of aircraft and missiles, the sensitivity of the applied 
design work reduces, and some details enter the public domain. Consistent with the perspective outlined 
above, this lecture takes advantage of the information available on historic intakes and draws conclusions 
regarding  the  design  approach  taken.  Of  particular  interest  are  the  features  that  enable  the  intake  to 
function over the range of Mach numbers and the angles of attack to which it was subjected. There is 
considerable risk that some of these conclusions are erroneous but the consequences of a misinterpretation 
are small, the aim is not to recreate the system, but to explore the design drivers and the response to them. 
If I have drawn the wrong conclusions, I apologise to the designers for misrepresenting their creations, but 


  


RTO-EN-AVT-185 5 - 1 


 


 


Ramjet Intakes 







at least I should still have succeeded in introducing the problems to be addressed and the elements that are 
the keys to the solution.


2 TROMMSDORFF RAMJETS


2.1 Mach 4+ ramjet powered flight during WW2
Trommsdorff's ramjet powered projectiles made the world's first supersonic air-breathing flights. About 
260 of the experimental 15cm diameter E series, figure 1, were fired from a gun with muzzle velocities of 
about 1000m/s,  accelerating to 1460m/s  during a 3.2s burn. Trommsdorff's  modestly written, detailed 
account of their development [2], is unclassified but unfortunately rather difficult to obtain, and his work 
has not received the recognition it deserves. He was fortunate to be able to call upon the Kaiser-Wilhelm-
Institute in Gottingen and the Institute for  Aerodynamics  in Braunschweig for advice on intakes,  gas 
dynamics and combustion. At the first he consulted with Prandtl, Betz, Ludwieg, and Oswatitsch and at 
the second with Busemann, Schmidt and Damkohler. Most researchers in gas dynamics will be familiar 
with those names and will appreciate Trommsdorff could not have been better advised.


Figure 1: Trommsdorff projectiles, the 28cm calibre, diesel fuelled C3 (top) and the 15cm calibre, 
CS2 fuelled E4.(bottom). The original version of this figure was published by the Advisory Group 
for Aerospace Research and Development, North Atlantic Treaty Organization (AGARD/NATO) 


for Trommsdorff [2].


The 170kg C3 was designed to be fired from the German K5 gun at 1223m/s, accelerate to 1860m/s, and 
then cover a distance of 350km in free ballistic flight.  The war ended, and Trommsdorf was taken to 
Russia before the C3 could be tested. After his release and return to Germany, Trommsdorf reported that 
the C3 achieved the calculated performance when tested elsewhere [2].


2.2 Oswatitsch's intake research
Oswatitsch is now synonymous with the multiple shock external compression intakes of the type exhibited 
above  and  Busemann  with  all  internal  compression  intakes  particularly  those  utilising  isentropic 
compression based on a conical flow (a one dimensional flow, with properties being only a function of the 
angle from the vertex) the existence of which he hypothesised and proved. The differential form of the 
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equations that describe such flows were formulated and published by Taylor and Macoll with reference to 
Busemann.


There is a limit to internal contraction above which an intake will not start, and instead flow will spill 
around the cowl with the amount entering the engine simply set by choked flow through the intake throat 
as determined by stagnation conditions downstream of a normal shock standing in front of the cowl. This 
limit,  now known as the Kantrowitz limit,  was first  defined by Oswatitsch in the study he made  for 
Trommsdorff. A translation of his report is available as reference [3] and it also contains the proof of the 
result  for  which  he  is  best  known:  shocks  of  a  multi  shock  diffuser  should  have  equal  strength  for 
maximum pressure recovery. One does not need a mathematical proof to understand this result, it is due to 
the fact that entropy rise increases rapidly with the temperature ratio across a shock and if two shocks 
within a sequence did not have the same temperature ratio the entropy gain over the stronger shock will 
outweigh the decreased rise on the weaker shock when the flow is compressed to the same Mach number.


Figure 2: Oswatitsch's optimal multi-shock intake parameters as a function of flight Mach 
number


Oswatitsch's optimal intake ramp angles are most easily found using his procedure, which starts with the 
Mach number  upstream of  the  terminal  normal  shock.  Upstream oblique shocks all  have this  normal 
component of Mach number and one can determine a corresponding freestream Mach number by simply 
stepping upstream through the chosen number of shocks. Results from this calculation are presented in 
figure 2. There are three points to note from the figure: At Mach numbers above three, pressure ratio 
across each shock is relatively high and in most cases would be sufficient to separate the boundary layer; 
total deflection of the two and three ramp intakes is very high and unless the deflections are in opposite 
sense which implies internal compression, the cowl will be at a steep angle implying high drag; successive 
deflections increase in magnitude, somewhat like C3 in figure 1 and unlike E4.


Oswatitsch  experimented  with  a  biconic  intake  at  Mach  2.9  [3],  exploring  and  defining  super  and 
subcritical operation (started and unstarted in today's parlance), buzz (the noise from flow pulsation during 
unstable subcritical operation), subsonic diffuser losses, and the effect of boundary layer bleed and angle 
of  attack.  Concerns over  self-starting,  cowl  drag,  and flow stability,  immediately relegated his  shock 
strength optimisation to the role of guidance. From the beginning, the choice of intake ramp angles for a 
ramjet was known to be influenced by much more than just shock losses.
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2.3 The E4 intake flow field
To explore the design drivers and the resulting E4 intake, figure 1 is assumed drawn to scale and the 
supersonic  diffuser  flow  calculated  using  the  Method  of  Characteristics  (MOC).  The  calculation  is 
rotational (allows for the variation in entropy throughout the flow field) and assumes axial symmetry.


Figure 3: MOC solutions for the E4 19.5°/30.5° biconic intake


Blue lines in figure 3 define the biconic surface and the cowl lip. Red lines are the calculated shocks, the 
one from the leading edge being straight  and the one originating at the cone junction is curved as it 
propagates through the conical flow over the upstream cone. The green line traces the streamline that 
intercepts the cowl lip. The light blue lines are the characteristic mesh via which the flowfield solution has 
been developed. These characteristics are Mach lines within the flow, running both to the left and right of 
a streamline at the local Mach angle. The right runners are directed inwards, towards the centreline, in this 
solution and the left runners are propagating outwards, as are the shocks. The compatibility relations that 
hold at the intersection of the left and right runners enable the flowfield to be defined in a stepwise process 
that completes in less than a second on a mediocre personal computer. 


Note that in this solution we are not yet concerned with the internal flow and the interaction with the cowl. 
The characteristics have been developed as if the cowl was not present. At the muzzle velocity (M=2.92) 
the  two shocks  merge  above  the  lip  and  their  interaction  has  no  effect  on  the  captured  flow.  Mid-
acceleration (M=3.5) the shock interaction generates an expansion fan that enters the intake. The triple 
point defined by the intersecting cone shocks and the resulting strong shock, sets a limit to the amount of 
external compression that can be obtained. When the deflection is too high, such that the flow is subsonic 
behind the strong shock, its position will depend on downstream conditions and the flowfield generally 
becomes unstable. Charts that define limits to external compression set by the triple point behaviour, are 
presented in reference 1.


At the peak Mach number of 4.25, flow that has passed through the single shock is entering the intake. 
This is normally regarded as very undesirable because the stagnation pressure of the flow on the strong 
shock side of the slip line (the streamline emanating from the triple point) is much less than that of the 
flow that has passed through two shocks. Whether this truly is a problem is dependent on what back 
pressure is being applied to the intake (by the combustor) when it is in this state. If this is in excess of the 
the lowest stagnation pressure then one is reliant on mixing between the two streams, within the isolator, 
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in order for the higher entropy air to pass. The back pressure must always be less than that obtainable by 
stagnating the mixed flow and how this is calculated is demonstrated in the next section, before returning 
to a discussion of the E4 intake design.


2.4 Stream thrust and “extra to shock losses”
Most supersonic diffusers produce non uniform flows, either as a result of skin friction creating boundary 
layers, or non uniform compression such as that produced by a conical compression surface. The E4 intake 
at Mach 4.25 is a rather extreme example, with non-uniformity inherent in the compression on the first 
cone (although the straight shock guarantees uniform entropy increase, the streamlines near the surface 
have been subject to isentropic compression within the shock layer as they are turned to be asymptotically 
parallel with the surface), a resulting curved shock leading to the second cone, and most significantly the 
single strong shock to the flow above the slip line.


Various methods have been suggested to account for the non-uniformities on diffuser performance, but 
only one is rigorous, and not reliant on empirical correction. Wyatt [4] is credited with applying basic 
thermodynamics to the intake problem and first arguing that the equivalent one dimensional flow is that 
with  the  same  stream thrust,  mass  flow,  and  total  enthalpy as  the  integrated  non-uniform flow.  The 
somewhat  mystical  “extra to shock losses” which are so often modelled empirically are revealed and 
quantified by this method.


Figure 4: Supersonic diffuser control volume


Consider the control volume of figure 4, the conservation of mass, axial momentum and energy require,


0 u0 A0 = 1 u1 A1 [1]


p0 A0  ṁ1 u0F p−F w = p1 A1cos  ṁ1 u1 cos=F1 cos [2]


h0  u0
2/2= h1  u1


2/2 [3]


where: ρ, u, A, p, θ, ṁ and h are density, velocity, area (normal to u), pressure, stream angle, mass flow, 
and enthalpy respectively. The area at the outflow boundary is drawn normal to the internal cowl profile 
and intersects the shoulder. The axial momentum balance described by equation 2, defines the stream 
thrust F1 at the outflow boundary. The energy balance described by equation 3, could have included the 
heat loss to the wall, but that is not essential for the purpose of this discussion. Note that wall stress is 
included within the wall force  Fw and its effect on F1 is indistinguishable from pressure drag. The ideal 
intake is the one with the lowest possible drag for a given contraction as this maximises stream thrust F1. 
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The pre-entry force  Fp has a positive influence on  F1 but the sum of  Fp and  Fw will always be in the 
direction of Fw and has a minimum value set by the drag required for isentropic compression to the same 
contraction ratio.  In the case drawn  Fp includes the axial  force from just  inside the cowl lip,  but  the 
external component is equivalent to the intakes pre-entry (or additive) drag. Should one wonder where 
pre-entry drag acts on the airframe, it is an excess in Fw.


When specific heat is constant, equations 1 to 3 reduce to the quadratic,


1
  u1


u0
2



F1


q0 A0


u1


u0
 2


M 0
2


−1
 =0 [4]


where q0 and M0 are the free stream dynamic pressure and Mach number respectively. Note that the stream 
thrust at  the isolator entrance (F1) is the only parameter that distinguishes one intake from another in 
equation 4. Its value is calculated from equation 2, for which it is necessary to know the pre-entry and wall 
forces.  One of the roots of  equation 4 is  subsonic (ramjet  intake) and the other supersonic (scramjet 
intake). The roots are equal, and correspond to Mach 1 when,


 F1


q0 A0
2


=4 1
  2


M 0
2


−1
  [5]


When the stream thrust is below the value given by equation 5, no solution is possible and the intake will 
not start. The flow will be choked at the isolator entrance and the excess flow will be spilt.


It should be remembered that the value of F1 and the one dimensional parameters it is associated with, are 
calculated from a two (or three) dimensional flow field. Parameters like  u1 and  p1 are equivalent to the 
values that would be measured if the flow was allowed to become fully mixed, and uniform within a 
constant area, frictionless isolator. The mixing is associated with a loss in total pressure, but no change in 
F1, and it is understandable why some intake designers are reluctant to ascribe the mixing loss to their 
intake.  However,  it  is  stream thrust  that  determines  whether  the  flow will  be  able  to  pass  into  the 
combustor and it is not coincidental that this method is able to predict maximum allowable back pressure, 
while other averaging techniques such as mass or area averaging require empirical factors to account for 
“extra to shock losses”.


2.5 E4 intake performance
Using MOC to calculate the wall and pre-entry forces and equation 4 to determine the equivalent one 
dimensional isolator state,  the isolator static and stagnation pressures were sought for the E4 over the 
flight  Mach number  range of  2.92 to  4.25.  There  are  three  aspects  of  this  procedure  that  are  worth 
consideration before reviewing the results:


• The flow local to the cowl lip has particular  significance in intake design. When the internal 
surface is not aligned with the dividing streamline, the local Mach number must be sufficiently 
high that the internal shock will not detach. The same considerations apply to the external flow. 
This provides another limit to the degree of compression. The E4 cowl appears to turn the flow 
back from approximately 27° (local streamline angle) to 7.3°, and the internal shock remained 
attached over the flight Mach number range. The cowl's contribution to axial stream thrust (due to 
the finite length between lip and control volume outflow boundary, figure 4) was calculated using 
the pressure downstream of this internal shock, and included within Fp.


• The isolator appears to be choked (the condition set by equation 5) at  M0=3.17, and the model 
predicts that below this flight Mach number the intake would run sub critically. However, if it is 
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assumed that  the  pressure  on the  inside of  the  cowl  is  that  given by a  strong oblique shock 
(subsonic downstream) rather than the weak oblique shock, then the stream thrust is sufficient for 
the intake to operate super critically at Mach 2.92.


• The turbulent boundary layer on the spike was modelled using the momentum integral equation 
and the  flat  plate  relationships  between:  momentum Reynolds  number  and local  skin friction 
coefficient; and edge Mach number and shape factor. The reference temperature method accounts 
for compressibility. The technique has proved itself to be sufficiently accurate when applied to 
many different internal and external flows modelled by the author, despite the presence of large 
pressure gradients under which flat plate closure might reasonably be challenged.


Figure 5: Calculated E4 intake performance


Pre entry drag coefficient (based on cowl area), mass capture ratio and lip Mach number are presented in 
figure 5. The significance of lip Mach number has just been discussed, but note the discontinuous drop as 
the slip line intersects the lip and the noise (random component) in the lip Mach number plot at flight 
Mach numbers greater than 3.85. In the present calculation the discontinuity in entropy at the slip line has 
been allowed to numerically diffuse through the flow, in a  non-physical way, that can only be excused on 
the basis that it is computationally convenient and has no bearing on the key lessons to be drawn from the 
E4 study.


The increase in mass capture (A0/Acowl) as the ramjet  accelerates was a major design consideration for 
Trommsdorf  [2]  as  it  allowed the  ramjet  with  its  fixed  nozzle  throat  to  be  running  at  near  optimal 
conditions over the Mach number range. Pre entry drag was a penalty worth paying in order to keep the 
intake operating near critical as will be discussed in the next section.


Isolator static and stagnation pressure, calculated from the subsonic root of equation 4, are also presented 
in figure 5.  As are curves for  kinetic energy efficiency defined as the square of  the ratio of  exhaust 
velocity to free stream velocity, with exhaust velocity calculated by assuming the captured air is expanded 
isentropicaly back to ambient pressure with no prior heat addition (or subtraction). The range of 0.90 to 
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0.94 would encompass most ramjet intakes with 0.92 being typical for an intake with no boundary layer 
bleeds and the compromises required for reduced cowl drag, self-starting, and the ability to operate at 
angle of attack. The E4 curves demonstrate why kinetic energy efficiency is a good descriptor as a fixed 
geometry intake tends to have a constant efficiency over its Mach number range. The difference between a 
good intake (0.94) and a mediocre one (0.90), amounts to the difference between static and stagnation 
pressure in the E4 isolator. Thus the subsonic diffuser can play a significant role in intake performance. It 
is important to recover a good percentage of the subsonic head, particularly when the solution to equation 
4 is approaching sonic and there is a large difference between stagnation and static pressure.


The decline in kinetic energy efficiency evident in the E4 pressure curves as it accelerates is due to the 
influence of the triple point, and at high M0 the swallowing of flow above the slip line. But we shall now 
see that this should have had no influence on the projectiles performance.


2.6 Back pressure and c*


Intakes can only be understood in relation to the engine they are designed to feed. The quantity c* defined 
by,


c*=
pc Ant


ṁc
[6]


neatly expresses the relationship between the mass flow, ṁc ,  exhausting through the nozzle throat (area 
Ant) and the combustor stagnation pressure pc.


Calculation of c* is a problem of equilibrium chemistry, and Gordon and McBride's Chemical Equilibrium 
Analysis  (CEA) program [5],  which is widely used and free to download, greatly simplifies this task. 
Recognising that the mass leaving the combustor is the captured air mass plus the fuel in a proportion 
described by the fuel air ratio, fa, equation 6 may be written as,


pc


q0
=1 fa 


2 A0 c*


Ant u0
[7]


CEA results for burning carbon disuplhide in air at 28bar and with stagnation temperatures corresponding 
to sea level flight are presented in figure 6. Chemical equilibrium, and  c*,  are not overly sensitive to 
pressure and provided one guesses the right order of magnitude, its actual value can be calculated from 
equation 7, using its estimated value within the calculation of c*.


Figure 6: E4 combustor model
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The left hand side of figure 6 utilises no information about the intake, but is proportional to pc/q0 when A0/
Ant is constant. In that case, pc/q0 would have decreased by approximately 20% as the E4 accelerated from 
M=3.2 to 4.2, unless equivalence ratio was increased. Increasing ER from 0.6 to 1 would have held pc/q0 


constant but this does not exploit the full potential of the E4 intake which was capable of tolerating a 40% 
increase in back pressure over this Mach number range as evident in figure 5.


The right hand side incorporates the Mach number dependence of the ratio of capture area A0 to cowl area, 
and intake p/q0 capability presented in figure 5. For pc/q0 it is assumed that 80% of the difference between 
static pressure and stagnation pressure is recovered in the subsonic diffuser. One normally would consider 
pressure drop across the flame holder and the pressure drop due to heat addition but  that detail  adds 
nothing here.


The right hand side of figure 6 is the objective of this E4 study, because it illustrates what is arguably the 
most important aspect of any ramjet intake design. The ratio of nozzle throat to cowl area is normally 
fixed. Let us assume that in the case of E4 the value was 0.33 as drawn on the figure. In that case adding 
fuel at  an equivalence ratio (ER) greater than 0.6 would unstart  the intake at  M=3.2. However as the 
projectile  accelerates ER can be increased,  rising to 0.8 at  M=3.5 and 1 at  M=3.75.  At higher Mach 
numbers the back pressure applied to the intake even with ER=1 is lower than the intake is capable of 
delivering. The intake is said to be running super critically and in this mode the terminal shock does not sit 
within flow determined by the supersonic solution of equation 4 (if it did, conditions downstream simply 
correspond to the subsonic solution) but moves downstream in the diverging subsonic diffuser to where 
the Mach number is higher and the shock losses will be just that required for the stagnation pressure to 
satisfy equation 7.


Building on the fundamental studies at Braunschweig and Gottingen, Trommsdorf added perhaps the most 
important factor that must enter the design compromise and that is that the manner in which mass capture 
varies with Mach number as the ramjet accelerates should be tailored to maintain efficiency. Defining the 
optimum mass  capture  characteristic  is  made  possible  by simulation of  the  flight.  Total  fuel  burn to 
achieve a given state, is one metric by which the coupled problem of: thrust requirement; pre-entry drag; 
cowl drag;  pressure recovery; angle of attack requirements; and even structural weight implications can 
be judged and subsequently optimised.


2.7 Lessons drawn from the E4 study 
Although created in a time when there was little prior art, the intake for Trommsdorf's E4 is remarkably 
sophisticated, and serves to illustrate the following design features:


• Mass capture characteristics are tailored by appropriate positioning of the cowl lip relative to the 
cone tip and biconic junction;


• The degree of turning is set by the lowest flight Mach number, and in particular by the manner in 
which the flow interacts with the cowl lip;


• Pressure recovery at high Mach number was compromised by the previous two constraints with no 
effect on system performance, because back pressure is determined by the engine and this was 
sufficiently low.
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3 ROLLS ROYCE THOR AND ODIN


3.1 Bloodhound
Bloodhound is a British surface to air missile that entered service in 1958 as the Mk 1, to be superseded by 
the more capable Mk 2 in 1963. The 180km range Mk 2 was powered by two Thor BT3 ramjets, figure 7, 
mounted above and below the body, which accelerated the vehicle from a boost Mach number of 2.15 to 
cruise at Mach 2.5 [6]. The Bloodhound used twist to steer and a variable incidence wing which in theory 
kept the angles of attack low for the ramjets even during intercept manoeuvres. In practice, fuel flow to the 
leeward  ramjet  had  to  be  reduced  at  angles  of  attack  greater  than  4° in  order  to  avoid  combustion 
instability [7]. This is an example of an installation problem and not too surprising if familiar with the 
flow  over  cylinders  at  incidence.  A  second  problem  revealed  during  test  flights,  that  has  wider 
implications for intake design and in particular the design of subsonic diffusers, would be difficult  to 
predict without the benefit of the hindsight afforded by the bloodhound experience.


Figure 7: Thor BT3, courtesy of Rolls Royce Heritage Trust


3.2 The BT3 intake flow field
The BT3 has a 24°/31° biconic intake as measured from the inset photograph in figure 8. MOC flowfield 
computations reveal a textbook design, with a design Mach number of 2.5. Both shocks appear to be 
focused on the lip at the cruise Mach number. Tailoring mass capture is clearly less significant when the 
flight Mach number range is limited. Cowl drag and weight would have been primary drivers in this 
podded engine application, and these encourage the use of a short radius of curvature for the isolator (to 
minimise drag) and a relatively high rate of divergence in the subsonic diffuser (to minimise length and 
weight). At M=2, the streamline angle at the lip is 22° and the local Mach number is 1.28. The angle has a 
direct effect on cowl drag and, as will be shown, the lip Mach number sets the minimum isolator radius 
and thus controls the projected area of the cowl. The choice of the second cone angle is likely to have been 
determined by these lip parameters. Following Oswatitsch's principle, one might have expected a more 
slender first cone, but there is only a 2.5% drop in total pressure across the first shock (at M=2) and the 
angle of attack sensitivity is much reduced with high cone angles.
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Figure 8: MOC solutions for the Thor BT3 24°/31° biconic, the circle marks the cowl lip position


3.3 Isolator curvature
The isolator, also known as the intake throat, is a section of near constant area that links the supersonic 
and subsonic diffusers. At maximum back pressure, the isolator contains the terminal shock system that 
converts the supersonic root of equation 4 to the subsonic root. These roots are related by identical mass 
flow,  energy  and  stream thrust  and  therefore  they  are  connected  in  precisely  the  same  way  as  the 
conditions  upstream  and  downstream  of  a  normal  shock.  No  matter  how  complicated  the  isolator 
flowfield, the upstream and downstream states are essentially linked by the Rankine Hugoniot relations. 
Only wall forces and heat transfer can alter this relationship and a small decrease in stream thrust due to 
skin friction is unavoidable, but clearly minimised if the isolator is kept short. Losses due to wall pressure 
forces are more difficult to estimate except in the trivial (but not uncommon for scramjets) case in which 
wall pressure forces do not have a component in the direction of the inlet/outlet momentum balance. 


Bloodhound's short, high-curvature isolator is typical of intakes designed for Mach 2 to 3. Such intakes 
normally exhibit a region of stable subcritical operation when tested in isolation, but it would be very 
surprising if any ramjet intake was allowed to operate this way when coupled to a combustor. Allowing air 
mass flow and pressure to be coupled to fuel flow and combustion would simply be inviting instability. 
Therefore  we  should expect  a  supersonic/transonic  flow within the  curved isolator  and wall  pressure 
forces to play an important role. Wall force is required to increase the axial stream thrust from F1cosθ 
(equation 2) to F1 as the flow is turned horizontal, if the potential pressure recovery at the cowl plane is to 
be realised after the turn. One could imagine with a sufficiently large turn radius the difference between 
surface pressures on the spike and cowl induced by the centrifugal acceleration of the air flow would 
result in precisely the required thrust. However in order to minimise the external drag the designer will try 
to turn the flow as tightly as possible without  significantly compromising the pressure recovery.  The 
empirical rule that the radius of curvature should be a minimum of four throat heights [8] has limitations 
and a physical basis that are revealed by the following analysis.
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Figure 9 A model to determine the curvature at which an isolator chokes


Consider the flow entering the isolator at Mach number Mi and corresponding Prandtl Meyer angle υi in 
figure 9. If at the entrance both the cowl and spike are given a small deflection  ∆θ=-υi through a weak 
shock (red line) and expansion (blue line) respectively, then the flow near the cowl will be at Mach 1, the 
minimum allowable if the decoupling function of the isolator is to be maintained, and the flow near the 
spike will be at a Mach number corresponding to 2υi. Downstream of the intersection of the shock and 
expansion, in the region where the flow has encountered both, the Mach number is returned to Mi but the 
streamline angle has been reduced by 2υi . This process takes a distance set by the gap height, h, and the 
average propagation rate of the trailing edge of the expansion fan. Since the shock and fan trailing edge 
meet close to the spike surface, the trailing edge propagates most of the way at the Mach angle for Mi and 
the shock expansion process takes a distance of approximately hM i


2−1  to complete. The streamline 
angle has changed by 2υi over this distance and the radius of curvature r is therefore, 


r
h
≈M i


2−1
2i


[8]


This function is consistent with the “four throat heights” rule of thumb when the entrance flow Mach 
number is 1.3 which is typical for intakes designed for flight at Mach 2 to 3 (figure 9). Note the functions 
strong sensitivity at low Mach number has implications for operation at angle of attack, because the extra 
compression on the windward side can easily lead to subcritical operation if the combination of isolator 
curvature and nominal Mi are too close to the limit for zero angle of attack.


3.4 Subsonic diffuser
A flow straightener is a surprising feature to see in a ramjet engine, particularly one that would appear to 
be  unnecessary given  that  it  is  placed  just  upstream of  a  colander  flame  holder,  as  revealed  in  the 
sectioned Thor engine of figure 7. One might have expected that the head loss across the flame holder, 
needed to drive the fuel/air mixing and stabilise the flame, would have been sufficient to encourage flow 
uniformity.  Fuel is introduced via the radial spray bar visible just downstream of the honeycomb flow 
straightener, and the fuel air mixture must pass through the square cut outs in the conical flame holder. 
Flame stabilisation is achieved by leaving the tab formed by cutting three sides of the square hole, bent 
internally and hanging from the downstream forth side- a rather beautiful piece of practical engineering. 
Indeed, the straightener was only introduced as a fix to the problem encountered during bloodhound's 
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acceptance trials.  As the engine was throttled for  cruise,  the  intake operated deep in its  supercritical 
regime with a strong terminal shock sitting in the subsonic diffuser. This resulted in flow separation and a 
narrow high velocity stream, disrupting the distribution of fuel within the air. 


The flow straightener solved the problem by virtue of having a head loss that is proportional to local 
dynamic pressure: a narrow high velocity stream results in a high pressure drop and this feeds upstream to 
reduce the size of the separation and widen the stream. That is how flow straighteners (also known as 
aerodynamic grids) work, but its function in Thor had two additional attributes.  The first was that its 
presence resulted in the intake running closer to critical in cruise and thus reducing the strength of the 
terminal shock, however during acceleration when the intake was operating critically it did not have a 
strong adverse effect because in that state, the Mach number (and dynamic head) at the straightener was 
very low. The second attribute is associated with a rather cunning integration of the pilot flame air supply 
into the base of the straightener. The annular gap at the inner diameter of the straightener feeds air to a 
centrally located pilot flame and the proportion that passes to the pilot increases with the head loss at the 
straightener. This allowed the cruise fuel requirement to be fed to the pilot, allowing stable combustion 
within a primary stream prior to mixing with the secondary stream in the main combustor.


It  would  be  remiss  not  to  mention  that  the  main  concern  of  subsonic  diffuser  design  is  preventing 
boundary layer separation in the adverse pressure gradient, and that keeping diffusion rates equivalent to 
that  within  a  3°  to  5° half  angle  cone  has  proved  effective.  This  is  a  problem  common  to  many 
applications of fluid mechanics and the evidence for this result is presented in textbooks such as that by 
Massey [9]. The bloodhound experience adds to the story, by reminding us that the diffuser must also 
provide an acceptable level of uniformity to the combustor when the intake is operating supercritically, 
and that when the back pressure applied by the combustor is low, it may be possible to exploit the excess 
pressure that an intake can provide to help optimise the airflow within the combustor.


3.5 Seadart
Seadart is a much smaller surface to air missile than Bloodhound, having been designed to be stored 
vertically between decks of the Royal Navy Type 42 destroyers. It is boosted to Mach 2+ (here we assume 
2.1) and can accelerate to Mach 3 but  the flight  Mach number is  a function of total temperature (an 
airframe limit) and thus depends on altitude [6]. Seadart's intake is an isentropic spike integrated with the 
missile forebody. A central air transfer duct feeds the Odin engine at the rear. The central schematic in 
figure 10 shows the spike is part of a large central body that contains the warhead and this dual function 
combined  with the  need to  create  missile  volume  allowed a  long isolator  with limited  turning to  be 
combined with a subsonic diffuser of low divergence rate. The lower right figure is the combustor viewed 
through the nozzle, showing an inverted flame holder in comparison to that of Thor. The main airflow 
passes from the central air transfer duct through the colander which generates longitudinal vortices. Fuel is 
injected through radial spray bars near the transfer duct exit. The pilot zones are hidden behind the small 
outward facing tabs at the base of the colander. The multiple small holes in the combustor liner provide 
cooling air which, like the pilot air is drawn from the outer edge of the transfer duct.
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Figure 10 Seadart. Left hand photograph copied from Wikipedia.org, right hand photographs were taken 
at the Kemble museum, UK.


3.6 Seadart intake flowfield
Measurements made from photographs reveal the intake has much in common with Thor's, having a 24° 
fore cone and a cowl lip positioned along the ray that is very close to the bow shock angle at Mach 2.5. 
Placing the focus of a Prandtl Meyer fan at the cowl lip and turning the flow to 24° there, develops the 
isentropic turn bringing the surface angle to 33°. The resulting contour, figure 11, matches that measured 
from photographs. Thus the design appears to be another textbook example, with the design Mach number 
chosen mid range, and both the shock and fan focused on lip at that Mach number. 


Figure 11: MOC solutions for the Seadart 24°/33° isentropic spike, the circle marks the cowl lip 
position


An incomplete MOC solution for Mach 2.1 is shown on the left hand side of figure 11. The left running 
characteristic originating at the end of the turn has overtaken the one originating at the start. Wherever a 
characteristic catches another of the same family it merges to form a weak shock which propagates at the 
mean of the upstream and downstream Mach angles, that is, it bisects the characteristics on which it was 
formed. Away from its origin, as the shock grows in strength, the shock angle is best determined directly 
from the Rankine Hugoniot relations, while ensuring compatibility with the downstream flow field. An 
example  of  this  is  given  later.  For  current  purposes,  the  solution  is  left  incomplete  as  it  provides  a 
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revealing physical  picture of the compression process above an isentropic spike when operated below 
design Mach number. The right hand figure for Mach 2.9, shows the flow field at above design Mach 
number, and no such complication occurs.


At Mach 2.1 the calculated mass capture is 85%, and the flow at the lip is at 24° and Mach 1.29 while the 
Mach number at the surface is closer to 1.24. Judging from figure 9 the radius of curvature should be 
between four and five throat heights to maintain supersonic flow, and this is at least consistent with the 
external views of the intake. Thus on the evidence available there is little to distinguish the Thor and 
Seadart intakes at low Mach number or suggest an improved angle of attack capability.  Further MOC 
analysis  indicates  that  below Mach  2.0  the  intake  runs  with  the  isolator  either  choked  or  subsonic, 
depending on back pressure. This is due primarily to the high degree of external turning and is a phase all 
ramjets  must  pass through during boost.  The tandem Seadart booster  attachment  is  designed to allow 
through flow and ignition during boost (the ignitor breech is in the 4 o'clock position in the combustor 
photograph of figure 10) and this probably occurs with the isolator choked.


At Mach 2.9 the flow at the cowl entrance has an entirely different character and it is in this state that one 
should expect robust performance with tolerance to high angle of attack. The bow shock passes inside the 
cowl lip but the majority of the captured mass is compressed within the shock layer around the spike. Free 
stream air is also passing through the entrance and must undergo all its compression internally. Given that 
the internal lip angle is probably only slightly less than 24° the air would first be expanded around this 
corner were it not for the internal separation bubble that forms in such cases. The isolator flow, as normal, 
is complicated by shock boundary layer interactions and flow separations, but has this marvellous ability 
to adjust itself to make the outlet compatible with the inlet provided the isolator is made long enough and 
its divergence rate is zero or very low. This flexibility is only exhibited when: entrance Mach number is 
high enough that the flow is not choked by curvature; and stream thrust,  F1, is sufficient to tolerate the 
applied back pressure.


3.7 Lessons drawn from the Thor and Seadart studies 
Two lessons from these related ramjets are:


• Separations within the subsonic diffuser can result in unacceptable air flow distribution to the 
combustor.  Thor required a flow straightener to fix the problem it  encountered in acceptance 
trials.  Seadart adopted a very low divergence rate in the subsonic diffuser,  akin to having an 
abnormally long isolator. The thought behind this approach was that if isolators can contain strong 
shocks  without  severe  flow  distortion  then  so  should  subsonic  diffusers  of  sufficiently  low 
divergence, and the approach proved effective [7].


• Angle of attack capability is affected by cross flow on the spike and this effect is reduced by 
choice of a sufficiently large fore cone angle, and operation at high Reynolds number. However a 
more fundamental limit is associated with choking of the isolator when entrance Mach numbers 
are too low. If the windward side flow is compressed to too low a Mach number, then the flow 
will choke if subject to either internal contraction or isolator curvature and the intake unstarts. 
Because of this an intake designed to operate over a Mach number range, will have better angle of 
attack performance at high Mach number.


4 VARIABLE GEOMETRY AND BLEEDS


4.1 Introduction
The intakes examined above are all fixed geometry supplying engines with fixed nozzle throat areas. None 
had boundary layer bleeds, primarily because they didn't need them. Although skin friction was taken into 
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account in the calculation of stream thrust and E4 intake performance, no adjustment was made to account 
for boundary layer displacement thickness in any of the flowfield calculations. This neglect was based on 
convenience and a desire not to introduce unnecessary complications. However, in practice complications 
are often unavoidable and various measures and ingenious devices have been devised that allow intakes to 
function over large Mach number ranges and at relatively low Reynolds numbers. The NASA Hypersonic 
Research Engine, the BAC/SUD Concorde and the Lockheed SR-71 will serve as an introduction to this 
aspect of intake design.


4.2 NASA Hypersonic research engine
The  Hypersonic  Research  Engine  (HRE)  project  to  design,  develop,  construct  and  flight  test  a  high 
performance ramjet/scramjet was an exceptionally well documented research programme that provides a 
rare (perhaps unique) view of intake development from engine concept to trials review. Recommended 
reading for this purpose are: the project review by Andrews and Macklay [10] as an introduction; followed 
by  the  AiResearch  report  [11]  on  their  engine  concept;  the  AiResearch  final  report  on  the  intake 
programme [12]; and finally the analysis of the intake experimental results by Andrews and Macklay [13].


To some extent, the ready availability of this documentation makes commentary on the design process 
redundant. However continuing with the theme of the lecture we will look at particular details of the final 
(phase  II)  intake  with  the  objective  of  learning  something  general.  Fortunately  in  this  case  reverse 
engineering is not required.


Figure 12: The Hypersonic Research Engine, courtesy of NASA


4.3 Tailoring mass capture and contraction ratios
The HRE intake has a translatable spike and a 5.645° (not measured from a photograph!)  up sloping 
throat. The combination of the two allows the throat area to be varied. In most translating spike intakes, 
the throat is formed between the rear, down-sloping, surface of the spike and the cowl, and the spike is 
retracted  to  reduce  the  throat.  On  the  the  HRE  the  spike  was  extended  to  reduce  the  throat,  while 
simultaneously allowing shock on lip  to  be  maintained from Mach 6 to  8.  The appropriate  sign and 
magnitude of the slope depends on the mass flow characteristics of the engine. Turbojets are best supplied 
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by an intake that increases both capture area and contraction ratio as Mach number increases, as will be 
evident from the Concorde and SR-71 discussion. The HRE intake/engine coupling was unusual and more 
intimate: the gap between the cowl and spike downstream of the throat was the scramjet engine, while that 
upstream was the intake, and both geometry vary as the spike translates.


For the HRE intake to have full capture from Mach 6 to 8 and simultaneously increase contraction, the up 
sloping throat was an elegant solution that also allowed the intake to meet the requirement that it be closed 
during the acceleration phase of the test flight. The spike was simply extended until the throat area was 
almost zero which occurred near the cowl lip. One disadvantage of an up sloping throat is high cowl drag 
as the engine cowl has to grow to accommodate the growing spike (and its matching internal contour). 
While the HRE is sometimes portrayed as a naïve design that failed to recognise the significance of cowl 
drag, maximising net thrust by minimising cowl drag was not a project requirement. The objective was to 
demonstrate good internal performance in a pod that could be tested on the X-15 [10], and the intake 
reflects the requirements and constraints it was designed to meet [12].


An unusual feature of the spike contour for the final intake “T”,  was the use of two distinct isentropic 
turns each with its own focus and design Mach number. The phase-I contour had been a 10° cone with an 
isentropic  turn  to  20.5°  focused  on  the  lip  at  Mach  8.  This  intake  was  found  to  have  insufficient 
contraction at Mach 6 and 8 and too much at Mach 4. A lack of contraction is potentially easy to rectify 
but since the spike was to remain fixed at the Mach 6 position for flight between 4 and 6 (to maintain the 
engine geometry), increasing contraction at Mach 6 while simultaneously decreasing it at 4 necessitates a 
change in contour that will result in increased spill at Mach 4 while still retaining full capture at 6. This is 
the same challenge Tromsdorrf faced and the Lockheed engineers (on subcontract to AiResearch) found a 
similar solution. They moved the focus of the turn to the cowl lip at its Mach 6 position, and turned 
through the angle (5.8°) to produce the required spill at Mach 4. Further turning was needed to achieve the 
required contraction at  all  Mach numbers,  and this  was delayed  until  the  last  point  possible  without 
requiring high internal contraction at Mach 8, and so the second turn was focused on the Mach 8 lip 
position at Mach 8.


Figure 13: MOC solutions demonstrating the development and function of the intake “T” contour 
(see text).


The design process and its Mach 4 result are illustrated by the MOC solutions in figure 13. The first step 
in the process, the generation of the Mach 6 turn, is omitted as this is substantially the same as the lip 
focused turn for Seadart, in figure 11. Downstream of the turn the contour continues as a straight conical 
section, and this is the blue line that is the lower boundary on the left side of figure 13. The flow over this 
contour at Mach 8 is then calculated with MOC and that generates the light blue mesh on the left. The 
compression from the Mach 6 turn is strengthening the bow shock and deflecting it away from the surface. 
The new Mach 8 lip position is determined by where the shock reaches cowl radius, note that it is forward 


1.5 2.0 2.5 3.0 3.5 4.0 4.5 5.0
0.3


0.4


0.5


0.6


0.7


0.8


0.9


1.0


1.1


1.2


1.3


1.5 2.0 2.5 3.0 3.5 4.0 4.5
0.3


0.4


0.5


0.6


0.7


0.8


0.9


1.0


1.1


M=8.0 M=4.0


Ramjet Intakes 


RTO-EN-AVT-185 5 - 17 


 


 







of the undeflected shock position reducing the stroke required for the spike. This had the disadvantage that 
the throat angle (up-slope) had to be increased to meet the specified throat area variation between Mach 6 
and 8.


The third step in the process is to identify the left running characteristic that intersects the shock at the 
new Mach 8 lip position, as it forms the upstream boundary of the flow through the next turn. The flow 
downstream of this characteristic, calculated in step 2, will no longer be valid. A Prandtl Meyer fan is 
centred on the lip and traced back to find the new surface, continuing the turn until the required external 
contraction is reached.


The flow over this contour at Mach 4 is shown on the right side of figure 13. The regions of influence of 
the two turns are made evident by the bunching of the left running characteristics at the top of the mesh. 
The second turn has not influenced the spill at Mach 4 since the leading (upstream) characteristic from this 
turn intersects the lip in the Mach 4 position. Thus confirming the strategy of setting Mach 4 capture ratio 
by the degree of the first turn. The second turn does influence Mach 4 spill with the lip in the Mach 8 
position and this proved to be very important. The intake could not be started with the lip in the forward 
position because the internal contraction was well above the limit established by Oswatitsch (and later 
Kantrowitz). To start the intake, the spike was extended to reduce internal contraction, and then retracted 
to the running position once the intake had started. A major obstacle to the design was that the ratio of 
capture area to throat area was not monotonic and at Mach 4 it peaked between the starting and running 
positions. Endeavouring to keep the peak below a value of 6, which was regarded as a safe working limit, 
was a serious challenge that was never quite satisfied. The phase-II T intake, just described, had a peak 
capture-to-throat  ratio of  6.1 at  Mach 4,  and its  starting proved unreliable and very sensitive to wall 
temperature (a boundary layer effect). Most of the other contours examined by the Lockheed engineers 
had much higher peaks, and intake T's lower value is due, in part, to the second focus. 


4.4 Concorde
A turbojet places different demands on an intake than those of a ramjet, as noted in the previous section. 
But  if  a  ramjet  were  to  be  part  of  a  combined  cycle  propulsion system,  and/or  was  required for  an 
application where the mass of fuel used was sufficient to favour engine efficiency over structural weight 
saving, then some of the sophisticated features of turbojet intakes would likely be adopted for the ramjet. 
The Concorde intake has set a very high standard, having high performance, being robust in operation, 
mechanically simple, and having an uncomplicated control system that was dormant for most of the flight. 
So it would make a very good case study, for anyone endeavouring to meet similar requirements.


Figure 14: Concorde and its nacelle, courtesy of A. Pingstone and Wikipedia.org


Before Concorde's first flight on the 2nd March 1969, and eight years before it entered service in January 
1976, Rettie and Lewis described the design and development of the supersonic transport's intake at the 
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10th Anglo-American Aeronautical conference. Their paper [14] gives a fairly complete description of the 
intake omitting some geometric details that have since entered the public domain [15-17]. The square 
intakes (unity aspect ratio) are mounted within under wing nacelles and consist of a 7° initial fixed ramp 
followed by a movable ramp that incorporates a 5.75° isentropic turn. At the design flight Mach number of 
2.0 the second ramp is set to δ2=9.6° turning the flow to a total angle of 15.35°. The internal cowl contour 
is a circular arc inclined at 12° to the under wing flow at the lip, requiring a 3.35° turn of the captured 
flow for shock attachment. The upstream section of the subsonic diffuser is a moveable ramp, hinged at its 
downstream end and its actuation is mechanically linked to the upstream (supersonic) ramp so the ramps 
move in sync. The gap between the ramps forms a wide bleed slot that on design, spans a distance of 
approximately 60% of the capture height, h and bleeds 6% of the captured mass. 


Figure 15: Concorde's intake flowfield on design at Mach 2.0, as calculated and drawn to scale. 
The enlarged detail of the cowl on the right compares the new and old contours.


The isolated intakes were tested at Mach 1.915 which was said to be a good approximation to the local 
Mach number  for  the  outboard pair.  The calculated two dimensional  inviscid flowfield at  this  Mach 
number is drawn to scale in figure 15. The first ramp is positioned 1.43h ahead of the lip and the leading 
edge  of  the  second is  0.52h downstream so  that  the  hinge  shock  intersects  the  lip  with  δ2=9°.  The 
compression fan appears to have been focussed 0.02h directly above the lip when on design with δ2=9.6°. 
The  two  cowl  profiles  drawn  in  figure  15  were  obtained  from  SUD  report  C379  [17]  describing 
aerodynamic improvements for the production aircraft that had been proven by 1978. The lowered and 
thinned cowl lip resulted in a 1100kg reduction in fuel burn on the London New York flight which is 
equivalent to approximately 11% of the payload (i.e. 11 passengers). The cowl profiles and the wide bleed 
slot are unique features that warrant greater attention and are the focus of the following section. However 
we shall first note some of the other essential elements of the intakes. The dump doors, open in the right 
hand photograph of figure 14, are actively controlled and opened to spill excess air when the engine is 
throttled for descent or should it have to be shut down. The dump doors also partially open on days 25K 
warmer than the international standard atmosphere (ISA+25), when the engine air demand is reduced by 
the high total temperature, and δ2 would need to be increased above 12° in order to create sufficient fore 
spill. Greater ramp angles lead to excessive flow non-uniformity at the engine face.


On days between ISA+5 and ISA+25 the ramp angle is actively controlled between 9.6° and 12° in order 
to provide the required spill to match engine demand. On days with temperatures below ISA+5, which is 
90% of  the  time  on the intended routes,  the intake runs  supercritcally with the  wide bleed passively 
accepting the  difference  between engine air  demand  and that  captured  by the  intake.  This  appealing 
attribute of this type of bleed was studied in detail by Lenyaert at ONERA, and her AGARD paper [18] 
contains sketches of the transonic flow over the constant pressure slot and the manner in which the flow 
reattachment at the leading edge of the subsonic ramp adjusts to vary bleed mass. The subsonic ramps 
leading edge was also modified in 1981 as part of the intake improvement package [19]. The end profiles 
of the ramps drawn in figure 15 were traced from the Structural Repair Manual [19].
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Although the design was focussed on cruise the intake must also satisfy the engine demands during take 
off, subsonic cruise and acceleration. The dump door contains a spring loaded flap that opens inwards to 
provide extra air during take-off and further aft on the nacelle there is another spring loaded flap that 
admits outside air to the engine bay when sub atmospheric. During subsonic cruise, pressure recovery in 
the bleed slot is sufficient that all the cooling air including that for the nozzle is supplied by the bleed. In 
subsonic  flight  the  ramp  angle  δ2 is  set  to  approximately  2°  and  increased  progressively  during 
acceleration above Mach 1.3, as illustrated in figure 16b of reference [14]. 


4.5 Terminal shock strength
Pressure recovery at Mach 2 was 95% with ≈1% of the loss attributable to the subsonic diffusion, 0.5% to 
the first shock, 0.02% to the second, and 3.7% to the third and final, strong oblique shock. Loss of stream 
thrust  via skin friction on the supersonic ramps  is  confined to the boundary layer  which is  extracted 
through the bleed slot. On design the bleed pressure recovery was 45%. If the forward ramp had been 
lengthened as indicated by the dashed line in figure 15, with a weak oblique shock to align the flow with 
the cowl and a normal shock to bring the flow subsonic the 3.7% loss could in theory have been reduced 
to 1.5%. Now since a 1% increase in pressure recovery would result in a 2.5% increase in payload [14] 
there was strong motivation to seek all possible gains, so the fact that this loss was tolerated highlights the 
significance of cowl drag, isolator curvature, nacelle length, and self starting requirements, in a way that 
no generic discussion could. After the isentropic turn the Mach number was 1.38 and with reference to 
figure 9 one might expect to turn the flow in an isolator with a radius of three throat heights. If the weak 
shock solution  had  been  adopted  the  entrance  Mach number  would  have  been  1.26  and  a  radius  of 
curvature of 4.5 throat heights is indicated. A cowl contour with a gradual turn back after an extended run 
at 12° would have been excluded very quickly, but compression to such low Mach numbers in order to 
minimise the terminal shock loss is a common working assumption of generic intake studies.


An additional  advantage of a strong terminal  shock is that  the downstream Mach number  is  reduced, 
thereby reducing the potential subsonic diffusion losses. Concorde's subsonic diffuser had the relatively 
light job of decelerating the flow from Mach 0.76 to Mach 0.5 at the engine face, corresponding to a 23% 
increase in static pressure, putting the 1% loss of this process in clearer perspective.


4.6 The wide bleed slot
Three distinguishing features of the intake are: the relatively modest flow turning; the short forward ramp; 
and  the  wide  bleed  slot.  The  motivation  for  the  first  two  is  explained  above  but  the  practical 
implementation  is  intimately  connected  with  the  third,  ingenious  device.  A  bleed  gap  between  the 
subsonic and supersonic ramps, simplifies the mechanisms of both, dispenses with the need for a flexible 
surface, and removes the boundary layer upstream of the terminal shock to increase shock stability and 
decrease flow distortion. In these respects Concorde's intake has much in common with those of fighter 
aircraft like the F-4 and F-15. The unusual feature is the length of the gap, which spans the full turn of the 
isolator (and cowl). Since flow momentum within the bleed space is negligible,  it imposes a constant 
pressure on the shear layer bridging the two ramps, with the pressure level being a function of the bleed 
mass  flow and bleed outlet  area.  (Concorde's  bleed control  area is  set  by matching with the primary 
exhaust jet in the dual stream nozzle [14].) The effective contour presented by the bleed gap naturally 
adjusts itself to simultaneous satisfy the main duct flow and bleed flow, without inducing large losses in 
the  former.  This  is  particularly  important  in  the  supercritical  regime,  allowing  engine  mass  flow to 
increase  in  response  to  a  decrease  in  atmospheric  temperature,  rather  than accepting  the  decrease  in 
pressure recovery that results if constant mass flow is maintained to the turbojet.


Another favourable effect of the wide bleed is its demonstrated ability to accommodate a high curvature 
cowl. The modified cowl in figure 15 maintains the 12° initial angle of the original but the radius of 
curvature is reduced from 3.4h to 2h (throat height is 0.69h). The simple theory developed in section 3.3 
can't tell us how tightly subsonic flow may be turned without inducing high losses, but since it only takes 
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a 6% stream tube contraction to accelerate the flow from Mach 0.76 to sonic, it seems likely that tightly 
turning high Mach number subsonic flow would result in choking and increased spill just as it does at low 
supersonic Mach numbers. In fact at ramp angles of 11° and 12° the lip shock is detached [15], despite the 
fact that ramp Mach number remains sufficient for attachment, and the intake spills about twice the mass 
flow  it  would  with  attachment.  Note  that  a  choked  isolator  does  not  mean  the  intake  is  running 
subcritically, this only occurs when the back pressure is sufficient to influence the spill. The spill due to 
shock detachment is a positive attribute because the ramps are only set at these higher angles in order to 
force spill on warm days. It would be interesting to know if the decreased radius of curvature of the new 
cowl did force shock detachment on design with the 2% increase in capture height compensating for the 
loss. In any case, it is clear that there was a significant decrease in cowl drag and that the compliant wide 
bleed slot was able to accommodate the new contour.


4.7 Blackbirds A-12, YF-12, SR-71
Designed to fly at Mach 3.2 at altitudes from 75 to 85kft for reconnaissance, the existence and purpose of 
the single seat CIA's A-12 and its close relative the two seat USAF SR-71, figure 16, were initially kept 
secret. A cover story was developed in which only the interceptor version of the aircraft was revealed 
when it was thought necessary to explain the public expenditure and aircraft sightings [20]. Three two seat 
interceptor versions, designated the YF-12, were built in comparison to twelve A-12 and thirty two SR-71. 
Technical  articles  relating  to  the  aircraft  type  generally  refer  to  the  YF-12  (or  F-12),  but  as  far  as 
propulsion is concerned there is no (known) difference between the types.


According to  recently released  reports,  the  intake  (including  its  control  system)  was  the  single  most 
important problem pacing the flight development [21]. Kelly Johnson says in his history of the Oxcart 
program “Before we had a usable inlet, we had to collect two million data points in the wind tunnel, and  
later  we had to  do at  least  that  many  in  flight” [22].  The mice  which are  the  mouse  shaped lumps 
downstream of the throat visible in the right hand photograph of figure 16 were introduced some two years 
after the first flight, in order to control “duct roughness at Mach 2.4” [21]. Presumably this refers to flow 
distortion and the mice probably improved the subsonic diffusion by reducing the rate of expansion.


Figure 16: An SR-71 at Edwards courtesy of NASA and a close up of the spike and cowl internals 
of the YF-12 in the USAF museum courtesy of J. Kurzke.


Some  wind  tunnel  and  flight  data,  were  published  relatively  early  on,  providing  schematics  and 
surprisingly detailed descriptions of the intake function and control system but omitting geometric details 
[23,24].  Additional  information  from  the  flight  manual  [25],  some  NASA  reports  [26-29],  and 
photographs of the aircraft now on static display, make it possible to obtain a more complete picture of the 
intake. The purpose being, as with the other studies, to learn something from a successful applied design.


The general arrangement as described by Campbell [23], the flight manual and elsewhere, is as drawn in 
figure 17. The intake throat is formed between the rear inward sloping surface of the translating spike, and 
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the internal contour of the cowl. The spike is retracted as Mach number increases which simultaneously 
increases capture area and decreases throat area, thereby increasing stream tube contraction. The spike 
boundary layer  is  extracted through a slotted surface near maximum diameter and passes through the 
centre-body support struts to be vented overboard. The cowl boundary layer is bled through a ram scoop 
known as the “shock trap”, passes through the engine compartment to provide cooling and then into the 
ejector nozzle, shielding the nozzle from the afterburner exhaust and contributing to thrust. The forward 
bypass is an actively controlled extraction of air from the subsonic diffuser through “doors” on the cowl 
surface located in between the mice. The forward bypass air is vented through the most upstream louvres 
on the nacelle, visible in figure 16, while the downstream louvres are those for the spike bleed. The thrust/
drag penalty of forward bypass was considerably greater than that of the shock trap air or the manually 
controlled aft bypass. To reduce the flow through the forward bypass the pilot could select one of three aft 
bypass open positions: 15%, 50% and 100%. According to Graham [31], the selection was based on the 
indicated position of the forward bypass doors. As the aircraft accelerated between Mach 1.7 and 3, the 
forward bypass begins to open excessively due to excess air mass capture with respect to engine demand 
and the pilot first selects 15% and then 50% open. By Mach 2.6 the forward doors begin to close tight and 
the pilot shifts the aft doors back to 15%. Above Mach 3.05 the intake capture and engine demand were 
well matched and the aft bypass was normally closed. 


Figure 17: SR-71 intake general arrangement, figure courtesy of NASA [30]


This awareness of the intake function and the human interaction with it and its control system, explains in 
part why intakes are spoken of with apparent affection in accounts of supersonic aircraft. Decelerating air, 
exchanging  momentum  for  pressure,  and  kinetic  energy  for  internal  energy,  would  be  a  much  less 
interesting process were it not for the fact that the air within the lower regions of the boundary layer does 
not have sufficient momentum to negotiate the adverse pressure gradients. It is only viscous momentum 
exchange with the outer layer that makes it possible for the air close to the cowl and spike surfaces to be 
dragged further into the nacelle. When this is insufficient the boundary layer separates from the surface 
forming a recirculation bubble between what is now a free shear layer and the surface. Such bubbles tend 
to be unsteady and radiate acoustic noise through the air and surface. In Graham's account of flying the 
SR-71 he writes- “As you became more experienced in the aircraft you could sometimes feel when an  
unstart was about to occur if the forward bypass door was closing down too tightly. A very subtle inlet  
duct rumble manifested itself throughout the airframe and gave you a clue that an unstart was imminent,  
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unless the [forward bypass] doors were about to open up, or you took corrective action by shifting the aft  
bypass doors closed”. We can infer from this corrective action that high back pressure was not the source 
of instability because: (1) the intake control system would have sensed high pressure just downstream of 
the shock trap and opened the forward bypass and (2) if the separation was due to excess air (high back 
pressure),  closing the aft  bypass would be certain to trigger the unstart.  This highlights the additional 
function of the forward bypass,  both bypass  regulate airflow to match intake to engine (albeit  one is 
automatic),  but  the  forward  bypass  is  also  an  essential  bleed  within  the  subsonic  diffuser,  and  at 
intermediate spike positions it needed to be kept slightly open even with the intake running supercritically.


4.8 Mixed compression with shock on shoulder


Figure 18:  MOC solution for M=3.2 and comparison with measured cowl pressures from 
Blausey et al [26], noting at M=3.2 the minimum dynamic pressure is 310KEAS [25]. The lowest 
figure compares calculated duct cross sectional area distribution with that from Bangert et al 


[28] for the spike in the forward position.
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Cowl drag is reduced by turning the flow to axial as rapidly as possible. By using a relatively slender 13° 
half angle cone [27], and an internal lip angle that appears to be zero, the captured flow may be turned 
back to near axial immediately by the cowl shock. But this is only the first stage of compression. At Mach 
3.2 the Mach number downstream of the internal cowl shock varies from 2.56 at the cowl to 2.35 at the 
spike and to obtain the pressure recovery of 0.785 further deceleration is required prior to the terminal 
shock. This is achieved in what is essentially a two dimensional supersonic nozzle operating in reverse, 
compressing  the  flow  to  approximately  Mach  1.47.  This  second  compression  process  requires 
approximately 27° of turning (the difference in Prandtl-Meyer angles between entrance and exit Mach 
numbers) half of which is inward and the other half outward so that the outflow is practically axial at the 
throat, thus maximising stream thrust. The MOC solution in figure 18 is based on the section of the cowl 
in drawing 16 of Blausey  et al. [26], scaled for a radius of 0.9Rc at the shock trap and extrapolated by 
cubic spline to the cowl lip 1.462Rc upstream [29] with the slope forced to zero there. The spike contour 
was developed simultaneously with the  MOC solution:  the  shoulder  is  placed where  the  cowl  shock 
intersects the 13° cone; an 0.3Rc conical section at 4.2° is added to produce a very weak reflected shock 
given the calculated streamline angle downstream of the incident shock of 4.13°. The length is based on 
visual inspection, figure 19 (and counting rivets!), but its function is to reflect the compression generated 
by the inward turning cowl thus enabling the flow to be redirected axially without expansion and the 
estimated  length  is  consistent  with  this  supposed  objective;  A  constant  pressure  section  follows  to 
represent the slotted bleed surface that is delineated in figure 18 by the vertical lines. Although not strictly 
necessary when using a porous (slotted) cover, for maximum momentum recovery (minimum bleed drag) 
the  bleed plenum will  operate  at  the  maximum possible  pressure.  Since this  must  be  lower  than the 
minimum pressure  over  the  bleed surface one would seek to  place the bleed in  a region of constant 
pressure when possible.  Defining the bleed as a region of constant  pressure is  sufficient  for  MOC to 
develop the contour which turns inward under the influence of compression from the cowl; The inward 
turn of the spike is terminated at -9° and thereafter held constant until  the translating spike meets its 
supporting cylinder. The choice of spike angle in the subsonic diffuser is discussed with respect to off 
design operation in a following section.


Figure 19: Photographs taken at the USAF museum revealing: the (seemingly) conical section 
downstream of the abrupt turn from 13°; the spikes slotted bleed; and the cowl's shock trap and 


mice.


Although not providing a perfect match with the measured pressures, the inviscid MOC solution with the 
assumed contour results are close enough to give confidence in this interpretation of the design (at least to 
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the  author).  The  duct  area  distribution  after  an  0.862Rc translation  to  its  forward  position  is  also  in 
reasonable agreement with that from Bangert et al [28]. A viscous solution along with some tweaking of 
the spike and cowl contours would enable the pressure and area measurements to be matched, but this is 
unlikely to prove more instructive and the effort therefore unwarranted, especially if it is to be superseded 
by release of reports containing the actual contour.


4.9 Porous bleeds and the shock trap
For the assumed intake geometry, right running characteristics merge as they approach the aft end of the 
bleed (figure 18). These will form a shock that will reflect off the solid conical subsonic diffuser, but as 
the shock is weak and the boundary layer thinned by the porous bleed, the interaction will be slight and 
confined. This is one function of the spike bleed, its primary function would be to limit the extent of 
upstream propagation of any separation caused by the much stronger terminal shock (a pressure ratio of 
2.5 for Mach 1.5).


The “shock trap” visible as the forward facing slot in figure 19 and sketched at the end of the cowl contour 
is a bleed type credited by Campbell [23] to Luidens and Flaherty [32]. They define it as “a scoop bleed 
with area expansion starting upstream of the leading edge of the scoop”. Expansion in the Blackbird 
shock trap begins 1.8h ahead of the leading edge of the scoop that is a distance h off the surface [26]. The 
primary function of the shock trap is to remove the cowl boundary layer prior to the terminal shock in the 
subsonic diffuser. At cruise, 8% of the intake air is captured by the trap with a pressure recovery of 0.27 
[26] and ducted to the ejector as previously described. The trap pressure recovery is equivalent to 13p1 


which is consistent with the measured static pressure near the trap for p02/p01=0.785. Note that as pressure 
recovery is forced above this value (by throttling the wind tunnel model's outlet) a separation is produced 
ahead of the shock trap as evident by the increase in cowl static pressures, figure 18. Bleed mass flow is 
also reduced in this  state [26].  This is an unstable situation that  leads to unstart  as the turbojet must 
swallow the extra mass which it can only do by increasing density and therefore increasing back pressure. 
The higher static pressures on the forward facing surface of the cowl decreases the stream thrust as would 
any increase in boundary layer mass flow entering the throat, and a decrease in stream thrust corresponds 
to a decrease in potential pressure recovery. The virtues of Concorde's wide bleed slot are apparent by 
contrast, as it had the opposite and stable characteristic with an increase in back pressure leading to an 
increase in bleed mass flow without disturbance on the upstream ramp. This is not meant to imply that a 
wide bleed slot  would have been a better  solution for  the  SR-71,  the  intakes operate under different 
constraints, but studies such as those by Lenyaert [18] and Blausey et al [26] that define the characteristics 
of different bleed types should benefit future designs.


4.10 Spike schedule, aerodynamic contraction and mice
Spike translation is scheduled with Mach number, adjusted by small offsets that are a function of side slip, 
incidence, and normal acceleration [23]. Figure 20 presents mass capture ratio, cowl lip conditions and the 
radius at which the internal shock would intersect the 13° ray, when following the nominal, near linear, 
spike schedule obtained from the flight manual (noting that the spike tip is at 2.409Rc at Mach 3.2 [28]). 
During acceleration the internal shock intersects the spike downstream of the shoulder, as demonstrated by 
the right hand top figure which indicates the theoretical radius at the intersection with a 13° ray is always 
greater  than that  at  the shoulder.  The expansion over the shoulder at  the lower flight  Mach numbers 
followed by re-compression from the internal  shock,  clearly must  create a stable interaction with the 
boundary layer upstream of the bleed flowfield. Perhaps the dark bands visible on the second conical 
section of the spike, figure 19, are evidence of heat stress from such an interaction.


The intake starts between Mach 1.6 and 2.1 [23] with the actual value probably determined by engine 
mass  flow  demand  and  therefore  dependent  on  ambient  temperature.  The  lowest  Mach  number 
corresponds to shock attachment at the lip as made clear by the bottom right plot in figure 20 in which the 
conditions at the lip, determined from the Taylor-Macoll equations, are compared with the angle for shock 
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detachment  from the  Rankine-Hugoniot  shock  relations  (black  line).  Note  the  very large  increase  in 
capture  area  from  0.42Ac at  M=1.6  to  0.99Ac at  M=3.2,  which  suits  the  turbojet,  given  some  fine 
adjustment using the bypasses as described previously.


Figure 20: Calculated off design characteristics of the SR-71 intake (blue lines). The black line in 
the bottom right is the deflection at shock detachment.


A real advantage of this increase in capture area is that it reduces the variation in throat area required to 
achieve the necessary aerodynamic contraction. At M=3.2 isentropic compression to Mach 1 requires a 
contraction of 5.12 whereas at M=1.6 the value is 1.25. The increase in capture area reduces the required 
throat  area  variation  in  this  hypothetical,  perfect,  intake  from a  factor  of  4.1  to  just  1.73,  which  is 
mechanically far simpler to achieve. In fact, the actual throat area at M=3.2 is 54% of the area at M=1.6, a 
factor of 1.85 [23].


With the full stroke of the spike primarily determined by the Mach 1.6 and 3.2 mass capture requirements, 
the throat area variation is obtained by choosing the right slope of the spike in the subsonic diffuser. The 
combination of a -9° conical diffuser with an 0.9Rc radius at the shock trap entrance, allows the throat to 
vary between 0.41Ac and 0.22Ac with an 0.862Rc stroke. With throat geometry having imposed a tight 
constraint on the spike angle, subsonic diffusion rate must be controlled with the cowl contour in this 
region. However any forward facing surface in a subsonic diffuser reduces axial stream thrust (there is no 
net radial component) and this has the potential to destabilise the terminal shock. Figure 19 reveals that the 
main cowl surface in the subsonic diffuser converges very slightly but this must have been insufficient to 
compensate for the rapid increase in duct area due to the receding spike. The mice solved the problem and 
although this three dimensional approach may have been forced by a need to retrofit, it might have wider 
application, particularly if it was found to be less destabilising then an axisymmetric convergence.
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5 CONCLUSIONS


Applied intake design is a great aerodynamic challenge, from determining the specifications that enable it 
to  best  match  the  engine  and  aircraft/missile,  right  to  up  the  final  stages  in  which  fine  tuning  is 
accomplished to compensate for things that didn't go quite to plan. Creating a geometry that directs flow 
exactly where one wants it and in the state it needs to be, is made the more satisfying by the fact that an 
analytically based subtle change to a contour can have a large effect in a compressive decelerating flow.


However,  esoteric  intake  studies  are  less  rewarding  than  those  with  application:  the  basic  design 
techniques  are  well  known,  and there  already exists  large,  freely available,  databases  of  wind tunnel 
experiments on generic intakes. It is hoped that by focussing this lecture on some historic intakes, and 
highlighting the features that I think were critical to their operation the subtle beauty of these devices and 
the true accomplishment of their designers can be appreciated.
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ABSTRACT 


These notes deal with the integration of a (sc)ramjet engine in either an axisymmetric or a waverider type 
of cruise missile configuration. The integration aspects relate to the integration of the external and 
internal flow paths in geometrical configurations that are being considered worldwide. Integration of 
these two flow paths combined with the vehicle concept that flies an equilibrium cruise flight (lift = weight 
and thrust = drag) has led to an evaluation tool, HyTEC (Hypersonic Technology Evaluation Code) that 
estimates the system performance parameter cruise flight range as function of design options: vehicle 
concept (axisymmetric or waverider) and scale, ramjet or scramjet propulsion and mission options (e.g. 
flight speed, flight altitude). First-order engineering relations for the aerodynamic and propulsive forces 
in the supersonic and hypersonic flight regime constitute the basis of this tool. The notes are structured as 
follows: after the introduction the evaluation tool HyTEC and typical analysis results are discussed. Next 
the results of a case study are given and finally the notes deal with some first steps to improve HyTEC. 
Most of the contents of these notes are more extensively described in references 1, 2 and 3. 


1.0 INTRODUCTION 


Defence, Security and Safety is one of the five core areas of TNO (abbreviation for ‘Netherlands 
Organisation for Applied Scientific Research’). Under this header TNO supports the Ministry of Defence 
in all its activities. The work presented in these notes is aimed at gaining insight in world-wide technology 
developments for future high speed long range weapon systems. It serves as a starting point for the 
development of Modelling & Simulation tools which are required to accurately predict high speed long 
range weapon system performance in the future. This prediction capability will be used to support the 
Armed Forces during weapon acquisition programs and assessments of their defence capability against 
threats. 


Many countries are working on the development of hypersonic air breathing cruise missiles (with cruising 
speeds of Mach 4 and higher). They are foreseen to be employed against, amongst others, deeply buried 
targets. The main technological challenges are related to severe aerodynamic heating and complex 
physical processes of aerodynamics and combustion at hypersonic flight speeds. 


These notes report on a study of the cruise flight dynamics of high speed long range weapon systems. The 
focus of the study lies on understanding the gas dynamics of both the external flow (inducing aerodynamic 
lift and drag) and internal flow (for generation of thrust). 


A system engineering tool called HyTEC (Hypersonic Technology Evaluation Code) was developed for 
conducting cruise flight performance analyses of hypersonic air breathing cruise missiles. Two baseline 
cruise weapon configurations (an axi-symmetric and a waverider configuration) were defined for these 
system performance analyses. The system engineering tool calculates the cruise flight range of these 
systems. It can be shown that the cruise flight range is proportional to the product of flight speed, specific 
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impulse of the motor, the aerodynamic lift over drag ratio and fuel to overall system mass ratio. 
Engineering methods for the prediction of aerodynamic lift and drag, and ramjet and scramjet propulsion 
characteristics are described and vehicle integration aspects of aerodynamics and propulsion are included 
in HyTEC. 


Two kinds of evaluations can be performed using the system engineering tool HyTEC: the evaluation of 
the influence of design choices on system performance and the evaluation of the effect of model 
uncertainties on system performance. These evaluations help to understand design choices that are being 
considered for hypersonic cruise missiles. By revealing the model parameters that influence system 
performance most, critical technologies can be identified. 


2.0 DESCRIPTION OF HYTEC AND TYPICAL ANALYSIS RESULTS 


2.1 Hypersonic Air Breathing Cruise Missile Configurations 
The definition of baseline weapon configurations has been based on, amongst others, information on 
world-wide development programs of hypersonic air breathing cruise missiles [1, 2]. This description of 
the baseline cruise weapon configurations concerns mission characteristics (including cruise flight speed, 
flight profile and range), propulsion characteristics and vehicle integration characteristics (vehicle shape, 
dimensions and mass). 


2.1.1 Mission characteristics 


The first missions of hypersonic cruise weapon systems will probably focus on destroying fixed targets 
like airports and bunkers from a stand-off distance of 1000 km and higher. The cruise weapon system will 
be launched from the ground or an airplane and subsequently accelerate and climb by means of rocket 
propulsion. A (sc)ramjet motor takes over the propulsion at a certain appropriate flight speed. At 30km 
altitude, the missile will cruise over a large distance (1000 km typically) with cruise flight speeds between 
Mach 4 and 8. Finally, the missile will descend towards its target. 


2.1.2 Propulsion characteristics 


The cruise flight has been analyzed by assuming operation of either a ramjet or a scramjet motor. A 
hydrocarbon type of fuel is assumed because of the focus on military applications and the presumed 
benefit of ‘one fuel on the battlefield’. 


2.1.3 Vehicle integration characteristics 


Two external shapes of cruise weapon configurations are considered: an axi-symmetric weapon body with 
a nose air intake and wings and fins for aerodynamic lift and control (e.g. HyFly, Figure ) and a waverider 
type of weapon body (rectangular or elliptical-like cross-sections) with the air intake at the lower side of 
the weapon body and wings and fins for aerodynamic lift and control (e.g. X-51, Figure 2). Figure 3 gives 
the generalized representations of both the waverider and axisymmetric type missile configurations. 
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Figure 1 Axisymmetric type missile configuration: Hypersonics Flight Demonstration program 
(HyFly)  


 
 


Figure 2 Wave rider type missile configuration: The X-51 Waverider, attached to the underbelly 
of a B-52 long-range bomber (Wright-Patterson AFB photo gallery / Chad Bellay / United States 
Air Force) 
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Figure 3 Generalized representations of the waverider and axisymmetric type missile 
configurations as used by HyTEC 


The overall dimensions of the baseline cruise weapon configurations have been estimated based on the 
assumption of carriage by air based launch platforms (e.g. fighter planes). This implies that they can 
neither be extremely large, nor extremely heavy: 


• Length of 4m (without booster) 


• Diameter of 0.4m (axi-symmetric configuration) 


• Cross-sectional height and width of 0.314m and 0.4m respectively (waverider 
configuration) 


The mass of the cruise weapon configurations is estimated in a rudimentary way by assuming a mean 
missile mass density of 1000 kg/m3 [1, 2]. With the assumed geometrical dimensions of the cruise weapon 
configurations , both configurations have a mass of around 430kg. This estimated mass excludes the mass 
required for the boost phase. In order to judge upon the capability of military airplanes to carry hypersonic 
cruise weapon systems, this additional mass needs to be taken into account. The worst case (i.e. maximum 
amount of additional mass) would be the case for which a solid propellant rocket motor alone is assumed 
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to provide the acceleration of the weapon system from launch until the maximum envisaged cruise flight 
speed of Mach 8 for hypersonic cruise weapon systems. With Tsiolkovsky’s rocket equation, 


 spIV
CL eMM /* Δ=


 


 the required boost propellant mass was calculated (573kg!) which results in a weapon system launch mass 
of 1003 kg (neglecting extra structural mass required to integrate the boost propellant with the vehicle). 
This launch mass is considered to be manageable by military airplanes. For example, the JASSM (Joint 
Air-to-Surface Standoff Missile) has a launch mass of 1020 kg and can be integrated with many U.S. 
strike aircraft [1, 2]. 


In the equation above ML is the total vehicle mass at launch (including the booster propellant), MC is the 
cruise flight vehicle mass (at start of the cruise flight: 430 kg), ΔV is the total vehicle velocity increase 
during the boost phase (from Mach 1 to the cruise flight Mach number) and Isp is the specific impulse of 
the booster engine (assuming a solid propellant rocket engine with a state-of-the-art specific impulse of 
250s.) 


2.2 Modeling of External Aerodynamics 
Aerodynamic lift and drag are important factors that influence the maximum range of the cruise weapon 
systems. With engineering models, these forces are predicted as function of different shapes and 
dimensions, Mach number, angle-of-attack and flight altitude. Figure 4 shows the aerodynamic forces 
acting on the cruise flight vehicle. 
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Figure 4 Lift (L) and Drag (D) or Normal force (N) and Axial force (A). Both sets are related via 
common basic goniometric relations 


For the purpose of computing the aerodynamic forces of the axi-symmetric weapon system, the weapon 
configuration is broken down into the elementary geometries of a cone (inlet external compression surface 
and cowl), cylinder (main weapon body) and flat plates (wings and fins). Analytical engineering models 
for the aerodynamic lift and drag have been obtained for these elementary geometries. All elementary 
geometries of the axi-symmetric weapon configuration are assumed to be subjected to free stream flow 
conditions (i.e. no flow interference effects between the elementary geometries are taken into account) and 
the total lift and drag force of the entire weapon system are estimated by adding up the forces of the 
individual elementary geometries. 


For the cylinder, the body alone normal force coefficient based on slender body theory and cross flow 
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theory is estimated by: 


 ( ) ( ) ( ) ( )ααα 2sin22cos2sin dlC N +=
 


With CN the normal force coefficient, α, the angle-of-attack of the missile with respect to the free stream 
flow and l/d the length over diameter ratio of the cylinder. 


The normal force coefficient for wings and fins is based on linear wing theory and Newtonian impact 
theory: 
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With M, the flight Mach number. 


The inviscid zero lift drag coefficient for wings and fins of both configurations based on linear wing 
theory is calculated as follows: 
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With CD0, the zero lift drag coefficient and (t/c)max the maximal thickness of the wing or fin over the wing 
or fin chord. 


The inviscid cowl drag of axi-symmetric configuration is roughly estimated based on Newtonian impact 
theory. Furthermore the Lift and drag of the external intake surfaces are implicitly accounted for within 
the control volume for the assessment of the propulsion induced forces on the vehicles (for both 
configurations). 


Skin friction coefficients for both laminar and turbulent flow are used to account for the viscous friction 
force along the wetted outer surfaces of both vehicles: 
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In order to estimate the aerodynamic forces acting on the waverider weapon configuration, the system is 
considered to be a collection of flat surfaces. The analytical expressions for the pressure forces acting on 
these flat surfaces are based on the standard 2D oblique shock and Prandtl-Meyer expansion waves for 
supersonic flow. Flow interference between the different flat surfaces is taken into account by taking the 
calculated properties of the flow along a flat plate as free stream conditions for the flat surface following 
downstream. The contribution to the drag force by skin friction is calculated in the same way as for the 
axi-symmetric configuration. 


2.3 Ramjet and Scramjet  Propulsion Modelling 
The main assumptions of the basic engineering models for propulsion performance are [1,2]: 


• One-dimensional, steady flow 


• No effect of angle-of-attack (the engine is assumed to be aligned with the flight velocity) 


• Air flow is a perfect gas with constant caloric properties equal to those of the ambient air (γ=1.4) 


• No effects of fuel mass addition (mf << ma) 


• Complete combustion of the fuel yielding CO2 and H2O as reaction products in case of 
hydrocarbons as fuel (i.e. below stochiometric mixture ratios of air and fuel)  


• Models are valid for design point conditions (i.e. geometry of the engine is assumed to be variable 
and is adapted to the design conditions such as flight Mach number, flight altitude, fuel-air ratio, 
intake flow etc.) 


• On-design intake operation (no spillage) 


• Ideal expansion (pe = p0) 


• Adiabatic, non-isentropic flow in intake and nozzle 


• Brayton (or Joule) cycle: combustion at constant pressure at non-zero velocity 


The combustion process is modelled by means of adding heat to the internal air mass flow. With the 
heating value Hf per unit of fuel mass, the combustion efficiency ηB and the fuel mass flow rate mf, this 
heat can be calculated as follows: 


 ffBa Hmqm η=   


To arrive at predictions of the performance of a ramjet or scramjet motor, the physics of the internal flow 
path from free stream conditions until nozzle exit conditions is modelled (see Figure 5). 
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Figure 5 Internal flow path physics consisting of compression of the air (by the external 
compression surface, from station 0 to 1, and within the air intake, from station 1 to 2) followed 
by constant pressure combustion from station 2 to 3 and finally expansion within the nozzle 
from station 3 to e 


As a consequence of the assumptions of no flow spillage by the air intake, and ideally expanded flow at 
the nozzle exit, the net thrust of the motor can simply be calculated as follows: 


 )( 0VVmF eal −=   


The nozzle exit velocity of the air flow can be solved from the energy equation using the adiabatic nozzle 
flow assumption and can be written as follows: 
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with Tt3 the total temperature at station 3 and pte the total pressure at the nozzle exit. Knowing the exit 
velocity Ve, the specific impulse of the motor can be calculated: 
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The total temperature Tt3, follows from the energy equation using the heat q added to the internal air flow: 


 )(
23 ttp TTcq −=   


with Tt2 the total temperature at station 2 which equals the total temperature of the free stream flow. 


From the equation for Ve/V0 it can be seen that the total pressure at the nozzle exit influences the exit flow 
velocity and consequently the overall performance of the propulsion system. The higher the total pressure 
(i.e. the lower the pressure losses of the internal flow physics), the better will be the performance of the 
propulsion system. The total pressure loss is composed of the contributions of the intake, combustion 
chamber and exhaust nozzle. For the intake and exhaust nozzle the total pressure losses are often 
expressed through kinetic efficiency factors: 
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In these expressions (V0)is is the velocity of the air when expanded isentropically from the conditions at 
station 2 to the atmospheric pressure and (Ve)is is the velocity of the air when expanded isentropically from 
the conditions at station 3 to the atmospheric pressure (see 5). It can be shown that the intake kinetic 
efficiency factor, which is a function of the total pressure ratio pt2/pt0, remains approximately constant with 
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varying design flight Mach number for flight Mach numbers higher than Mach 4. Proper baseline values 
for the intake efficiency that are are ηK=0.90 and ηK=0.98 for a ramjet and scramjet motor respectively 
[1,2]. The intake of a scramjet causes less total pressure loss in the flow, compared with a ramjet intake. 
The reason for this is the fact that the flow at the end of a scramjet intake is still supersonic, contrary to a 
ramjet intake where the flow is decelerated to subsonic speed through a normal shock. For the nozzle, total 
pressure losses have not been taken into account (i.e. a kinetic efficiency factor of 1 has been assumed). 


From the assumption of combustion at constant pressure, an expression for the total pressure loss inside 
the combustion chamber can be derived, based on the conservation laws for mass, momentum and energy 
[1, 2]. From this expression it follows that combustion is always accompanied by a loss in total pressure 
(pt3 < pt2). Furthermore, it can be shown that the larger the Mach number at the end of the intake, M2, the 
larger the total pressure loss inside the combustion chamber. For a ramjet motor M2<1 and the total 
pressure loss is much smaller than the total pressure loss occurring within the intake. For the system 
analyses M2 = 0.4 has been used. For the scramjet motor for which M2>1, the total pressure loss occurring 
within the combustion chamber is significant. Low values of M2 are beneficial for keeping the total 
pressure loss due to combustion low, but a lower limit must be respected due to various aerodynamic 
considerations (amongst others the starting behaviour of inlets). For the system analyses a minimum value 
of M2 = 0.4M0 has been used as baseline. This value for M2 constitutes a minimum value that can be 
accomplished with an external compression intake with internal contraction [1, 2]. 


The fundamental models for ramjet and scramjet propulsion do not incorporate the effects of dissociation 
of the combustion products CO2, H2O and the remaining O2 in the internal gas flow. This cannot be 
neglected for the higher end of the flight Mach number range, due to the very high total temperatures of 
the freestream flow. Dissociation is an endothermic reaction, causing a reduction of the temperature of the 
flow, which leads to a lower thrust.  


Dissociation affects ramjets and scramjets to 
a different extent and therefore an 
engineering model for the influence of 
dissociation on the motor performance was 
conceived, in order to capture the 
differences between ramjet and scramjet 
propulsion more realistically. Figure 6 
shows results of calculations of the effects 
of dissociation for a representative mixture 
ratio (one quarter of the stochiometric 
mixture ratio). The estimated losses of 
thermal energy are incorporated in the 
motor performance predictions as function 
of the ideal combustion temperature. A 
ramjet engine, where the air is decelerated 
to subsonic velocities, reaches higher static 
combustion chamber temperatures than a 
scramjet engine, where the air flow within 
the combustion chamber is supersonic. At a 
given flight speed, a ramjet engine will 
therefore suffer a larger performance 
reduction because of dissociation. This will 
become more pronounced at higher Mach 
numbers. 


Some of the chemical energy stored in dissociated molecules may be converted back into thermal energy 


Effects of dissociation for a representative 
fuel/air mixture ratio
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Figure 6 Result of computations with the NASA CEA2000 
chemical equilibrium code: The loss of 
temperature due to dissociation is plotted versus 
the ideal temperature due to the combustion of 
the compressed air flow. For ideal temperatures 
of 2500K and higher the effect of dissociation is 
significant. 
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in the nozzle, as the temperature drops during the expansion of the gasses. This will lead to recombination 
of dissociated molecules. To be able to account for the effect of recombination of the dissociated gasses in 
the nozzle, a parameter β is used as follows: the parameter may vary between 0 and 1 where the choice of 
β=0 corresponds with no recombination and β=1 with full recombination, for which it has been assumed 
that motor performance equals the ideal motor performance (i.e. the effects of dissociation are not taken 
into account). The baseline value for the parameter β has been set to 0.5.  


2.4 System Integration Modelling 
Vehicle system performance is evaluated using the conditions at the start of the cruise flight, at 
equilibrium of forces. This means that the sum of all the forces acting on the vehicle is zero. In the system 
engineering tool, which is programmed in MATLAB, these forces are calculated in two separate modules; 
the propulsion module and the aerodynamic module. In Figure 7, Fl (net thrust which is in-line with the 
weapon body longitudinal direction) and Fn (normal thrust force due to deflection of the internal flow) are 
predicted by the propulsion module. D (drag) and L (lift) are predicted by the aerodynamic module. The 
input for these modules consists of altitude (defining the atmospheric conditions), Mach number, 
geometric configuration and angle of attack. For the propulsion module, the heat parameter q/cpT0 is also 
required (which defines the fuel mass flow). To find equilibrium of forces, only the angle of attack and the 
heat parameter are varied. 


 


Figure 7 The forces on a vehicle in equilibrium flight 


Important vehicle integration aspects that play a role within the calculations of the equilibrium of forces 
and the range are related to: 


• The boundary between internal and external aerodynamics 


• The geometrical dimensions that define the amount of air that is captured and the extent of 
expansion within the nozzle 


• The effects of the angle-of-attack on the air capture by the inlet and on the normal force Fn due to 
the deflection of the internal flow (see Figure 7). 
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Figure 8 Internal flow path sketch for the axi-symmetric weapon configuration 


 
Figure 9 Internal flow path sketch for the waverider weapon configuration 


The forces acting on the vehicles, caused by the internal flow and combustion processes, are evaluated 
using a control volume that contains the internal flow. The upstream boundary consists of a plane within 
the freestream and perpendicular to the freestream velocity vector. Its surface area corresponds to the inlet 
air capture for on-design inlet operation, for which the oblique shocks (in red) coincide with the cowl lip 
(designated with c in Figure 8 and Figure 9). The inlet capture surface area is designated with a-b, both in 
Figure 8 and Figure 9. The downstream boundary consists of the nozzle exit plane. By considering this 
control volume, the aerodynamic forces on the inlet compression surfaces (i.e. the inlet cone of the axi-
symmetric configuration and the lower side of the waverider body in front of the inlet cowl lip), are taken 
into account implicitly and must therefore not be included within the calculations of the external 
aerodynamic forces. 


For on-design intake operation, the book-keeping procedure for evaluating the air flow impulses entering 
and leaving the boundaries of the control volume and adding up the pressure forces acting on the 
boundaries of the control volume, yields the following expressions for the internal flow induced forces 
acting on the vehicle (see Figures 7, 8 and 9): 
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The fact that the internal flow is rotated downwards in order to become aligned with the body main axis 
gives rise to a normal force acting on the vehicle structure. The assumption of ideal expansion (see Section 
2.3) has been left. The values of capture area and nozzle exit area determine the extent of flow expansion 
within the nozzle, which leads to a nozzle exit plane static pressure pe that is not necessarily equal to the 
ambient pressure p0.  


At zero angle-of-attack the inlet capture area for on-design inlet operation is designated with cc in Figure 8 
and ab’ in Figure 9. Flying at a positive angle-of-attack, while maintaining on-design inlet operation, 
clearly affects the amount of inlet air mass flow capture differently for the two configurations. For the axi-
symmetric weapon configuration the inlet air mass flow capture decreases with increasing angle-of-attack 
(ab < cc; see Figure 8), while for the waverider weapon configuration the inlet mass flow capture increases 
with increasing angle-of-attack (ab > ab’; see Figure 9). The effect of angle-of-attack on the amount of 
inlet mass flow capture has been taking into account for the system analyses. 


V0 


α 


Ve 
α 


cb
b’


a 


α 
α 


c 


c a 


b 


Ramjets: Airframe Integration 


RTO-EN-AVT-185 6 - 11 


 


 







 


Once equilibrium has been found, vehicle performance can be calculated. The momentary range is used 
here which is defined as the cruise flight velocity multiplied by the linear estimation of the maximum 
motor burn time, which is the fuel mass divided by the fuel mass flow rate. For the latter the value at start 
of the cruise flight is used. The decrease of the fuel mass flow rate during flight due the decrease of the 
vehicle weight is not taken into account. This can be justified by the objective to assess influences of 
design choices and model uncertainties on the range and not so much to predict accurately the absolute 
value of the range.  At small angles of attack, for which the equilibrium of forces can be approximated by 
Fl = D and L = W (see Figure 7), the momentary range can be elegantly separated into a product of the 
velocity, the structural efficiency, the aerodynamic efficiency, and the engine performance: 
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In this equation, εm is the structural efficiency, defined as the fuel mass divided by the total mass. For the 
system analyses the value of 0.1 has been assumed. 


2.5 System Performance Analyses 
2.5.1 Aerodynamic Efficiency 


The first analyses concern the aerodynamic characteristics of both configurations. The figures presented in 
this section show the lift over drag ratio as function of angle-of-attack at different Mach numbers and 
show the points on the L/D curves where flight equilibrium is reached (lift equal to vehicle weight). 


 


Figure 10  Lift over drag as function of angle-of-
attack for both configurations: during 
cruise flight (lift equal to weight), the 
aerodynamic performance of the waverider 
configuration is significantly higher than 
for the axisymmetric configuration 


In Figure 10 it can be seen that for a given angle-of-attack the waverider configuration has a lift over drag 
ratio that is higher than for the axi-symmetric configuration. The waverider configuration induces more lift 
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than the axi-symmetric configuration at a given angle-of-attack and therefore the equilibrium angle-of-
attack (lift equal to vehicle weight) for the waverider configuration is lower than for the axi-symmetric 
configuration. For both configurations the equilibrium values of lift over drag are rather close to the 
optimum values for the Mach number range and altitude of interest (4 < Mach < 8; altitude of 30km). The 
waverider has a significantly better aerodynamic performance (higher L/D) than the axi-symmetric 
configuration.  


The behaviour of Lift over Drag as function of angle-of-attack can be explained by expressing the lift and 
drag as follows: 
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At small angles-of-attack (α < 5º), the total amount of drag is dominated by the zero lift drag D0. 
However, the normal force induced drag increases quadratically with the angle-of-attack and will 
dominate the total amount of drag at larger angles-of-attack (α > 10º). For large angles-of-attack, the lift 
over drag ratio will therefore approximate the function 1/tanα, independent of freestream conditions and 
cruise weapon geometry. 


At zero angle-of-attack, the lift over drag ratio equals zero of course. At small angles-of-attack the lift 
increases linearly with angle-of-attack while the drag remains approximately constant due to the very slow 
increase of the normal force induced drag around zero-angle-of-attack. The lift over drag ratio therefore 
increases linearly with angle-of-attack for small angles-of-attack. As the normal force induced drag 
becomes more significant at larger angles-of-attack the lift over drag ratio increase with angle-of-attack 
becomes less strong, reaches a maximum and starts to approximate the function 1/tanα. 


State-of-the-art airbreathing supersonic cruise weapon systems, fly at lower than 30 km altitude at which 
the waverider type of cruise vehicle does not have a better aerodynamic performance than the 
conventional axi-symmetric configuration. This can be seen in Figure 11. 


The higher dynamic pressure at 10km compared 
with 30km, implies lower required angles-of-
attack for equilibrium flight (lift equal to weight). 
Both vehicles require the same amount of lift (i.e. 
both vehicles have the same weight) and due to 
the better aerodynamic lift characteristics of the 
waverider it requires a lower angle-of-attack than 
the axi-symmetric configuration. Because of the 
relative low angles-of-attack that are required for 
both vehicles, the aerodynamic drag is dominated 
by the zero lift drag. An equivalent amount of 
zero lift drag for both vehicles, therefore means 
that the lift over drag ratio of both vehicles does 
not differ much. In general it can be concluded 
that for small angles-of-attack, there is no reason 
to choose a waverider configuration over an axi-
symmetric one. 


 


 
Figure 11 At small angles of attack, L/D values for 


waverider and axi-symmetric configuration 
are very close 
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2.5.2 WAVERIDER versus AXI-SYMMETRIC Configuration; RAMJET engine 


 


 
Figure 12 HyTEC analysis results for the waverider and axisymmetric type configurations both 


equipped with a ramjet engine 


As can be seen in Figure 12, the range of both vehicles is close to each other. Apparently the superior 
aerodynamic performance of the waverider compared with the axisymmetric vehicle is counteracted by a 
lower engine performance. This is confirmed by the plot for the specific impulse which indeed shows a 
better engine performance for the axisymmetric configuration. This can be explained by the fact that the 
waverider reference vehicle increases its effective capture area with angle of attack contrary to the axi-
symmetric vehicle which decreases its effective capture area with angle-of-attack (see Figures 8 and 9). 
This results in an overall effective expansion ratio (Ae/A0) that is lower for the waverider vehicle 
compared with the axi-symmetric vehicle. This effect is most pronounced at low Mach numbers where 
angles of attack are high. For both vehicles the expansion ratio is below ideal expansion (i.e. pe/p0 > 1, see 
Figure 12). 


2.5.3 RAMJET versus SCRAMJET Engine; WAVERIDER configuration 


 
Figure 13 HyTEC analysis result for the waverider configuration; difference between ramjet and 


scramjet engine 


The range that is shown in Figure 13 is, for this case, completely dominated by engine performance as for 
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both cases (ramjet and scramjet) the vehicle configuration (waverider) and outer dimensions are the same. 
In other words, the aerodynamic performance between the two cases does not differ. 


The scramjet engine has a clear advantage over the ramjet engine at higher Mach numbers (i.e. higher 
specific impulse). One of the reasons for this is the fact that the ramjet air intake becomes very inefficient 
at higher Mach numbers. Furthermore, the ramjet loses more thermal energy through dissociation than the 
scramjet does. Apparently, the lower total pressure losses inside a ramjet combustion chamber compared 
with a scramjet combustion chamber do not fully compensate for this. 


2.5.4 Decreasing the CAPTURE AREA of the WAVERIDER; RAMJET versus SCRAMJET 
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Figure 14 Effect of decreasing the capture area of the waverider on the cruise flight range 


A smaller capture area could be beneficial for both configurations, but probably especially for the 
waverider (see Figure 12, expansion of the hot gases in the nozzle which is significantly above ideal 
expansion). Lowering the capture area, leads to an increase of the aerodynamic drag because of the 
introduction of cowl surfaces that experience pressure drag. On the other hand, a lower capture area 
implies a higher expansion ratio of the internal mass flow (i.e. a lower nozzle exit pressure). 


Apparently, the scramjet apparently performs best with a maximum capture area, while ramjet engine 
performs best at a smaller capture area (see Figure 14). 


Apparently, the two counteracting mechanisms on the range of the increase of aerodynamic drag and the 
increase of motor performance when decreasing the capture area have a negative net effect for the 
scramjet engine, and a positive net effect for the ramjet engine. For the ramjet engine, the larger expansion 
ratio results in more performance gain, when compared with the scramjet engine (see Figure 15). 
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Figure 15 Waverider at Mach 6: Specific impulse increases with decreasing capture area due to 
the higher expansion ratio, while the lift over drag ratio decreases due to the increasing external 
cowl surface 


2.5.5 Influence of ηK for the AXI-SYMMETRIC Configuration; RAMJET versus SCRAMJET 
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Figure 16 Influence on intake performance on range for the axisymmetric configuration 


The influence of ηk on the performance are very large, especially for the scramjet at the higher Mach 
numbers (see Figure 16). Accurate modelling of intake performance is required in order to be able to 
accurately predict system performance. 
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2.5.6 Influence of M2 for the AXI-SYMMETRIC Configuration; SCRAMJET Engine 


 


 ηk = 0.98 ηk = 1 – 0.4 (1 – M2/M0)4 
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Figure 17 Influence of scramjet mixing chamber Mach number on performance, for different 


assumptions for intake efficiency  


The graphs in Figure 17 show clearly that one should be careful about making conclusions about 
variations on sub-model parameters. A lower M2 in itself is beneficial for performance, but will in reality 
influence the intake efficiency. This can even lead to reversal of the effect. In Figure 16, two different 
assumptions for ηk are used, both from the same source. Depending on the assumption, the effect of 
varying M2 on the performance is quite different. 


2.5.7 Influence of DISSOCIATION for the AXI-SYMMETRIC Configuration; RAMJET Engine 
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Figure 18 Influence on performance of recombination of dissociated gasses inside the nozzle of the 


axi-symmetric configuration with ramjet engine. 


Figure 18 shows the influence of a 100% variation of β on the performance of the ramjet engine. For 
ramjets, dissociation becomes significant above Mach 5. At very high Mach numbers, it can decrease the 
range by almost 50%. For scramjets at the reference flight conditions, where the heating value is quite 
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low, and static temperatures in the combustion chamber are also low, no dissociation occurs, and 
variations in the value of β therefore make no difference (not shown in Figure 18, but also the outcome of 
HyTEC calculations ). 


2.5.8 Influence of CRUISING ALTITUDE for the AXI-SYMMETRIC Configuration; 
SCRAMJET Engine  
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Figure 19 Influence of flight parameter choices for Mach number and cruising altitude on the 


performance of an axi-symmetric scramjet. 


It is apparent from Figure 19 that range increases with altitude up to a maximum. The performance as a 
function of altitude is mainly aerodynamically driven. At low altitude, the equilibrium angle-of-attack is 
low and the corresponding lift over drag ratio is far left from the optimum value. When increasing the 
altitude, dynamic pressure decreases which implies an increase in angle-of-attack. This is accompanied by 
an increase of lift over drag which is beneficial for the range. Beyond a certain altitude, the angle-of-attack 
becomes larger than the optimum value. 


3.0 CASE STUDY - CRUISE FLIGHT PERFORMANCE OF 1/6 SCALED 
RAMJET OR ROCKET PROPELLED X-15 CONFIGURATION 


 
Figure 20 1/6 SCALED RAMJET OR ROCKET PROPELLED X-15 CONFIGURATION which could e.g. be 


considered for a precision hypersonic cruise strike missile 


Representation of this configuration by the HyTEC generic axi-symmetric missile configuration (see 
Figure 3) has been accomplished by matching of the X-15 (1/6 scaled version) overall length and diameter 
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and matching of the X-15 (1/6 scaled version) total lifting surface (wings, fins and side fairings) with the 
accompanying values for the generic axisymmetric HyTEC configuration. 


Figure 22 shows the results of the first evaluations. For the equilibrium angle-of-attack one can observe a 
decrease with increasing dynamic pressure caused by either a decreasing cruise flight altitude or 
increasing cruise flight Mach number. 


Angles-of-attack are well below 10 degrees cruise flight lift over drag is lower than optimal (see Figure 
21). 
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Figure 21 X-15 (1/6 scaled version) lift over drag as function of angle-of-attack for two cruise flight 
Mach numbers. The optimum lies above 10 degrees angle-of-attack 


 


The higher the altitude and the lower the Mach number, 


  the larger the equilibrium angle-of-attack 


  the larger the cruise flight lift over drag ratio  


As range is proportional to lift over drag, therefore the trends of lift over drag can be seen to be reflected 
in the trends of the range with altitude and Mach number. 


The amount of heat that needs to be added per kg of ingested air increases with 


• Mach number: drag is proportional to V2 


• Altitude: caused by the increase of induced drag with altitude due to the increasing required angle-
of-attack  


This limits the maximum altitude that can be reached to around 35km for cruise flight speeds beyond 
Mach 6. The theoretical boundary for q/cpT0 is determined by the stoichiometric mixture ratio of fuel and 
air. 


Going to higher cruising altitudes would probably be beneficial for system performance (i.e. range) since 
the larger required angles-of-attack would imply operating the vehicle closer to its optimal lift over drag 
ratio. A means to lower the required amount of heat to be added to the ingested air is lowering the 
aerodynamic drag (by lowering wing and fin thickness to chord ratio). Figure 23 shows HyTEC analysis 
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results for a lower wing and fin thickness to chord ratio. 


Higher altitudes are achievable due to the lower vehicle drag. At 40 km and around Mach 4 to 5, the 
vehicle operates close to its maximum lift over drag. 


Another trend that becomes clearly visible now is the decreasing engine specific impulse with altitude 


At least two effects contribute to this trend. With increasing altitude:  


• the expansion of the hot combustion gases in the nozzle becomes farther away from ideal 
expansion 


• the total combustion temperature increases, exceeding the temperature at which dissociation 
effects start to extract thermal energy from the internal flow, which for a large part, is not 
accessible anymore to be converted into kinetic flow energy that is used to generate thrust.   


A rocket propelled version has also been examined using HyTEC for which modifications of the code 
were of course necessary: 


- Assuming characteristics of the combustion products representative for a kerosene-H2O2 bi-propellant 
rocket engine 


• Fixed mixture ratio (mean ratio of specific heats = 1.2, mean molar mass = 22 and characteristic 
velocity = 1640 m/s) 


• Maximum combustor pressure of 7 MPa 


- The rocket motor exhaust gases expand to the full vehicle body diameter 


- The combustor pressure is reduced in case the nozzle exit pressure becomes lower than 0.3 times the 
ambient pressure in order to prevent nozzle flow separation 


- The corresponding thrust coefficient is multiplied with the characteristic velocity and the propellant mass 
flow rate to yield a thrust 


- The propellant mass flow rate is iterated until the horizontal thrust force equals the vehicle drag. 


The predicted results (see Figure 24) indicate that a Mach 6 cruise at 40 km altitude may result in cruise 
flight ranges around 700 km for a rocket propelled vehicle compared to roughly 1800 km for the ramjet 
propelled vehicle. 
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Figure 22 HyTEC cruise flight performance evaluation of a ramjet propelled 1/6 scaled X-15 (Vehicle density = 438 kg/m3, vehicle mass = 62 kg, t/c = 
0.15, Intake capture diameter = vehicle body diameter) 
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Figure 23 HyTEC cruise flight performance evaluation of a ramjet propelled 1/6 scaled X-15 (Vehicle density = 438 kg/m3, vehicle mass = 62 kg, t/c = 
0.1, Intake capture diameter = vehicle body diameter) 


Ramjets: Airframe Integration      


6 - 22  RTO-EN-AVT-185 


 


 







 


 


 


4 4.5 5 5.5 6 6.5 7 7.5 8
0.3


0.32


0.34


0.36


0.38


0.4


0.42


0.44


Mach


p e /
 p


0


 


 
altitude = 20000


altitude = 30000


altitude = 35000


altitude = 40000


4 4.5 5 5.5 6 6.5 7 7.5 8
0


1


2


3


4


5


6


7


8


9


10


Mach


α
 (
°)


 


 
altitude = 20000


altitude = 30000


altitude = 35000


altitude = 40000


 4 4.5 5 5.5 6 6.5 7 7.5 8
280


290


300


310


320


330


340


Mach


I sp
 (


s)


 


 


altitude = 20000


altitude = 30000


altitude = 35000


altitude = 40000


4 4.5 5 5.5 6 6.5 7 7.5 8
0


0.5


1


1.5


2


2.5


Mach


C
L /


 C
D


 


 
altitude = 20000


altitude = 30000


altitude = 35000


altitude = 40000


4 4.5 5 5.5 6 6.5 7 7.5 8
0


100


200


300


400


500


600


700


800


900


Mach


R
an


ge
 (


km
)


 


 
altitude = 20000


altitude = 30000


altitude = 35000


altitude = 40000


4 4.5 5 5.5 6 6.5 7 7.5 8
0


0.2


0.4


0.6


0.8


1


1.2


1.4


Mach


m
as


s 
flo


w
 (


kg
/s


)


 


 
altitude = 20000


altitude = 30000


altitude = 35000


altitude = 40000


 
4 4.5 5 5.5 6 6.5 7 7.5 8


0


1


2


3


4


5


6


7


Mach


p c (
M


P
a)


 


 


altitude = 20000


altitude = 30000


altitude = 35000


altitude = 40000


4 4.5 5 5.5 6 6.5 7 7.5 8
0


1


2


3


4


5


6


7


8


9
x 10


4


Mach


p c /
 p


e


 


 
altitude = 20000


altitude = 30000


altitude = 35000


altitude = 40000


4 4.5 5 5.5 6 6.5 7 7.5 8
0


500


1000


1500


2000


2500


3000


Mach


A
e /


 A
t


 


 
altitude = 20000


altitude = 30000


altitude = 35000


altitude = 40000


4 4.5 5 5.5 6 6.5 7 7.5 8
0


5


10


15


20


25


30


Mach


D
t (


m
m


)


 


 
altitude = 20000


altitude = 30000


altitude = 35000


altitude = 40000


 4 4.5 5 5.5 6 6.5 7 7.5 8
1.65


1.7


1.75


1.8


1.85


1.9


1.95


2


2.05


2.1


Mach


C
F


 


 


altitude = 20000


altitude = 30000


altitude = 35000


altitude = 40000


Figure 24 HyTEC cruise flight performance evaluation of a rocket propelled 1/6 scaled X-15 (Vehicle density = 438 kg/m3, vehicle mass = 62 kg, t/c = 
0.1)
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4.0 FUTURE EXTENSIONS TO THE HYTEC ANALYSIS TOOL 


The estimation of vehicle mass is very rudimentary now in HyTEC: 


Vehicle mass = average missile density * internal vehicle volume 


For the axi-symmetric vehicle configuration, improved models have been generated for 


• the conical air intake 


• the cylindrical body 


The improved models are described in [3]. They are not yet integrated in HyTEC. 


This chapter shows some results for the conical air intake. The conical air intake consists of (see Figure 
25): 


• Thin walled outer load bearing shell (A) 


• Insulation material (C) 


• Payload (D, e.g. warhead and GPS/INS hardware) 


 


Figure 25 Sketch of the conical air intake [3] 


Models for sizing the dimensions of outer shell and insulation are based on: 


• Required structural integrity of the outer shell 


• Aerodynamic lift and drag forces taking into account material properties as 
function of temperature because of aerodynamic heating 


• Protection of payload against aerodynamic heating 


Aerodynamic heating calculations are based on: 


• Taylor-Maccoll method for compressible inviscid cone flow 


• Reynolds-analogy for heat transfer from the outer flow to the conical intake shell via the 
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boundary layer 


 


• Calculation of steady state temperatures determined by the equilibrium of 


• the aerodynamic heat flow 


• radiative cooling 


• heat conduction through the internal structure (in radial direction) 


• Constant payload temperature assumed  payload temperature rise or required cooling 
capacity 


Figures 26, 27 and 28 show some results of the aerodynamic calculations. 
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Figure 26 The steady state temperature increases obviously with cruise flight Mach number. 
Furthermore the cruise flight altitude and the state of the boundary layer determine the 
steady state temperatures to a large extent. At 10 km, a fully turbulent boundary layer 
seems reasonable while at 30 km a fully laminar boundary layer is reasonable [3] 
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 Comparison between steady state temperature and adiabatic temperature of outer wall, e=0.8
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 Comparison between steady state temperature and adiabatic temperature of outer wall, e=0.8
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Figure 27 Although the total temperature of the freestream flow does not differ very much between 


cruise flight at 10km or 30km. However, the differences in the steady state temperatures are 
significant. These differences are caused by the different states of the boundary layer 
(laminar at 30km and turbulent at 10 km altitude) and the much lower aerodynamic heating 
at 30km compared with 10km altitude because of the much lower air density [3] 
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Figure 28 For the PM1000 Nickel Alloy, a cruise flight at 10km altitude is limited to Mach 6 [3] 


The structural analysis of the load bearing outer conical shell is based on: 


- Several buckling and material failure (yield stress) mechanisms are considered 


- Material properties as function of temperature are taken into account 
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- Loads are the aerodynamic lift and drag forces. These are determined by the cruise Mach number and 
altitude and the equilibrium angle-of-attack (lift = vehicle weight) 


Buckling mechanisms appear to be determining minimal required shell wall thickness [3]. 
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ABSTRACT 


Within the framework of the VKI/RTO Lecture Series on ‘High Speed Propulsion: Engine Design – 
Integration and Thermal Management’, this lecture focuses on thermal management of ramjet propulsion 
systems. This is done by describing an engineering model that can be used to perform an integrated 
thermal analysis of a supersonic/hypersonic ramjet propelled vehicle in conjunction with an integrated 
performance evaluation of the aerodynamic and propulsive performance of the vehicle. The thermal 
analysis considers the combined thermal loading from aerodynamic heating on the outer surfaces of the 
vehicle and from internal reactive gas dynamic heating inside the propulsion system. Especially for highly 
integrated high-speed airbreating propelled vehicles the resulting tool is very valuable to support the 
vehicle design process in its early stage. 


1.0 INTRODUCTION 


Looking at weapon systems under development, there is a clear trend towards longer range and higher 
flight speeds. At the same time, for civil applications, there is a need to reduce the propellant mass fraction 
to enable more affordable access to space. For both applications, high speed airbreathing propulsion can 
be considered an important enabling technology. 


A subsonic combustion ramjet combines mechanical simplicity with high propulsive efficiency. Its 
operational Mach number range of 2 to 6 or 7 makes this propulsion system especially attractive for air 
launched or gun launched applications. However, at flight Mach number of 4 and higher, the aerodynamic 
heating of external surfaces becomes significant. The compression process in the intake to subsonic flow 
velocity results in very high temperatures of the gasses in the internal flow path inducing excessive heat 
loads on the combustor and nozzle walls. At the same time, the high temperatures result in substantial 
dissociation losses which reduce the propulsive efficiency at the high Mach number end of the operational 
regime of the ramjet. 


This poses the designer of ramjet propulsion systems with several challenges. First of all, the heat loads 
need to be known. And secondly, ways need to be found how to handle these heat loads in terms of choice 
of materials, application of thermal protection and passive or active cooling. This drives the need for a 
thermal analysis of the integrated vehicle early in its design stage. 


The present lecture describes a thermal model as part of the integrated engineering system model HyTEC. 
This engineering model covering integrated aerodynamic and propulsive performance is extended with an 
integrated thermal model capable of predicting the combined aerodynamic and reactive gas dynamic 
thermal loads on complex ramjet propelled vehicles. 
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2.0 AERODYNAMIC HEATING 


2.1 General Heat Transfer Relations 
The air flow around any vehicle moving through the atmosphere comes to rest at the stagnation point and 
adjacent to the wall in the boundary layer. At these points the kinetic energy of the flow is converted into 
thermal energy, resulting in a convective heat flux from the air flow to the structure of the vehicle. The 
basic equation describing convective heat transfer is: 


 )( wawcc TThq −=           (2.1) 


in which qc is the convective heat flux to the wall, hc is the convective heat transfer coefficient, Taw is the 
adiabatic wall temperature and Tw is the wall temperature. The adiabatic wall temperature Taw is the 
equilibrium wall temperature of a thermally isolated wall (i.e. no heat addition or cooling). From Eq. (2.1) 
it can be seen that if the wall temperature is equal to the adiabatic wall temperature, the heat flux becomes 
zero and no heat is added to or extracted from the air flow. The convective heat transfer coefficient is 
dependent on the fluid properties and can be described by several dimensionless numbers which will be 
defined below. The heat flux of a caloric perfect gas parallel to the wall is given by: 


 )( wawp TTcvq −= ρ          (2.2) 


in which ρ is the density, v is the velocity and cp is the specific heat at constant pressure of the gas. The 
Stanton number is defined as the ratio of the heat flux normal to the wall (Eq. (2.1)) to the heat flux 
parallel to the wall (Eq. (2.2)): 


 p


c


cv
h


St
ρ


=
          (2.3) 


The relative importance of viscosity and conductivity in a fluid is expressed by the Prandtl number: 


 k
c


rP p μ=
          (2.4) 


in which μ is the dynamic viscosity and k is the conductivity of the fluid. The relative importance of 
inertial forces with respect to viscous forces is given by the Reynolds number: 


 μ
ρ LveR =


          (2.5) 


where L is a suitable chosen reference length. Finally, the relative importance of convective and 
conductive heat transfer is expressed by the Nusselt number: 


 
rPeRSt


k
Lh


Nu c ==
        (2.6) 


Using Eq. (2.3), the convective heat flux from a caloric perfect gas to the wall follows from: 
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 )( wawpc TTcvStq −= ρ         (2.7) 


To take into account the imperfect caloric behaviour of air (cp ≠ constant) at the high static temperatures 
involved in the boundary layer at supersonic and hypersonic flight speeds the heat flux to the wall needs to 
be expressed in terms of an enthalpy difference instead of a temperature difference. With the enthalpy 
defined as: 


 ∫= dTch p            
            (2.8) 


Eq. (2.7) can be rewritten to: 


 )( wawc hhvStq −= ρ         (2.9) 


The adiabatic wall enthalpy haw is defined as: 


 2


2vrhhaw +=
          (2.10) 


in which r is the so called recovery factor which follows from:   


 
arPr =           (2.11) 


with a = ½ for a laminar boundary layer and a = ⅓ for a turbulent boundary layer.    


2.2 Reynolds Analogy 
The Reynolds analogy results in the following relation between the convective heat transfer and the 
friction coefficient cf : 


 
3/2Pr2


c
St f=


          (2.12) 


The friction coefficient for a compressible boundary layer on a flat plate in absence of leading edge 
disturbances and viscous interaction follows from: 
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for a laminar boundary layer and 
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for a turbulent boundary layer, in which ω is the exponent describing the relation between the viscosity 
and the temperature which is used to account for the correct value of the viscosity at a representative value 
of the temperature within the boundary layer, the so-called reference temperature T’. For an isothermal 
wall (Tw = constant) this reference temperature follows from: 
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       (2.15) 


for a laminar boundary layer, and 
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       (2.16) 


for a turbulent boundary layer. Combining Eq. (2.12) through Eq. (2.14) and using ω = 0.76 and Pr = 0.71 
(both are representative values for air over a relatively broad range of air temperatures), the convective 
boundary layer heat transfer on a flat plate is given by: 
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         (2.17) 


for a laminar boundary layer and 
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         (2.18) 


for a turbulent boundary layer. 


2.2 Aerodynamic Heating of a Flat Plate 
Figure 1 shows the components of the aerodynamic heating model of a flat plate using the Reynolds 
analogy equations described in the previous section. Given the flight altitude, the static atmospheric 
temperature, pressure and density can be derived from the equations describing the standard atmosphere 
(e.g. [1]). The evaluation of the aerodynamic heating requires several gas properties of air to be known. 
Assuming the air to be a thermally (but calorically imperfect) gas, the ratio of specific heats can be 
calculated from [2]. In addition, to correctly account for the calorically imperfect behaviour of air and the 
temperature dependency of the viscosity in the inviscid flow field, polynomials are used based on data 
obtained from chemical equilibrium calculation using CEA2000 [3]. To describe the change of conditions 
across the shock wave, the caloric imperfect oblique shock wave relations of [2] are used. 
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Figure 1: Aerodynamic heating model description of a flat plate at angle of attack. 


Figure 2 shows the predicted level of Stanton number and heat flux for a flat plate at an angle of attack 
from 0 to 15 degrees for a laminar and turbulent boundary layer. As can be seen the turbulent Stanton 
number is significantly higher than the laminar boundary layer. The figure clearly shows the resulting heat 
flux levels to increase at increasing angle of attack. 
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Figure 2: Predicted Stanton number (top) and heat flux (bottom) for laminar (left) and turbulent 
boundary layer (right) on a flat plate at angle of attack at Mach 6 and 32 km altitude. 
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2.3 Aerodynamic Heating of Convex Surfaces 
Figure 3 shows the aerodynamic heating model components for two convex flat surfaces. In between the 
two flat plates the supersonic flow expands. This isentropic expansion is described using the well-known 
Prandtl-Meyer relations [2]. 
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Figure 3: Aerodynamic heating model description of two flat convex surfaces. 


Figure 4 shows a typical predicted heat flux level for two convex surfaces. For this example case, both 
surfaces have a length of 1m and the expansion angle Δν is 15 degrees. The vehicle is assumed to fly at 
Mach 6 at an altitude of 32 km with a local inclination angle of the first surface of 15 degrees and wall 
temperatures of 1000 K. The boundary layer is assumed to be laminar. The expansion of the flow clearly 
results in a reduction of the heat load on the second surface. 
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Figure 4: Example of predicted heat flux level on two convex flat surfaces  
at Mach 6 and 32 km altitude assuming a laminar boundary layer. 
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2.4 Aerodynamic Heating of a Cone 
Figure 5 shows the components of the aerodynamic heating model of a cone. In contrast the supersonic 
flow across a flat plate at angle of attack, where the flow conditions downstream of the shock wave remain 
constant, a method is now required to calculate the flow conditions at the cone surface from the conditions 
downstream of the shock wave. This may be done by using the well-known Taylor-Maccoll relations 
which require numerical solution. As an alternative, in the present model the analytical relations of [4] are 
used. In addition, a correction factor of 1.15 [5] is applied to account for the higher level of Stanton 
number on a cone when compared to a flat plate at the same local inviscid flow conditions. 
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Figure 5: Aerodynamic heating model description of a cone. 


From Eq.(2.7) it follows that the wall temperature will increase until the wall temperature becomes equal 
to the adiabatic wall temperature. At higher wall temperatures radiation of heat from the wall to the 
surroundings will become significant. This radiating heat component will result in a so-called thermal 
equilibrium wall temperature well below the adiabatic wall temperature. The radiative heat transfer can be 
evaluated from:  


4
wrad Tq εσ=           (2.19) 


with ε being the emissivity (assumed value of 0.8) and σ being the Stefan-Boltzman constant (5.6704⋅10-8 
W/m2K4). Neglecting conduction of heat in the wall parallel to the wall surface, the thermal equilibrium 
wall temperature as a function of length along the cone surface follows from iterating the wall temperature 
at each position along the surface until the local convective heat flux equals the local radiative heat flux. 


To illustrate the effectiveness of radiation cooling the thermal equilibrium wall temperatures have been 
predicted using the aerodynamic heating model of a cone assuming Mach 6 free stream conditions at 32 
km altitude and assuming a turbulent boundary layer. Figure 6 shows the adiabatic wall temperature and 
the thermal equilibrium wall temperatures for values of the emissivity from 0.2 to 0.8. As can be seen 
radiative cooling can be rather efficient. 
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Figure 6: Predicted thermal equilibrium wall temperatures for a turbulent  
boundary layer on a cone at Mach 6 and 32 km altitude. 


2.5 Application Case: Aerodynamic Heating of a Cone-Cylinder-Flare 
To verify the aerodynamic heating model, free flight data of a cone-cylinder-flare configuration is used 
from [6]. The flight tests performed were part of a research program to investigate high-speed 
aerodynamic heat transfer. Instrumented models were launched by rocket motors to measure rates of skin 
heating at hypersonic speeds. The model used in this particular flight test is shown in Figure 7. The model 
was made of Inconel and had a wall thickness of 0.03 inch. 23 thermocouples were spotwelded to the 
inner skin surface of the model. Accelerometers were installed to measure the thrust, drag, normal and 
transverse accelerations. 


 


Figure 7: Model dimensions and thermocouple stations (dimensions in inches). 


The flight testing was carried out using a 4 stage rocket motor propulsion system, launched at a 70 degrees 
elevation angle. Figure 8 shows the complete flight test vehicle at its launch site. During flight, telemetry 
was used to retrieve the thermocouple and accelerometer data from the model. A Doppler radar was used 
for vehicle tracking. During this particular flight test the 4th stage did not ignite, resulting in a maximum 
Mach number of 4.7 instead of 9.  
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Figure 8: Model and boosters on launch site. 


An example of typical temperature data that was acquired is shown in Figure 9. From these temperature 
profiles, the local Stanton numbers were derived taking into account both external and internal radiation. 


 


Figure 9: Example of wall temperatures measured in flight. 


Figure 10 shows the components of the aerodynamic heating model used. The Stanton multiplication 
factor of 1.15 is applied both at the nose cone and on the flare surface. 
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Figure 10: Aerodynamic heating model description of a cone-cylinder-flare. 


Figure 11 shows the local Stanton numbers derived from the flight data compared with the predicted 
Stanton numbers assuming the boundary layer to be turbulent. As can be seen the general agreement is 
quite good. At the nose cone, the experimental data shows evidence of boundary layer transition from 
laminar to turbulent. The predicted changes of Stanton number level both at the cone-cylinder and at the 
cylinder-flare interface are close to those derived from the flight model. On the flare surface, the flight test 
data show an increasing Stanton number which is not captured by the aerodynamic heating model. Conical 
flow field effects of the flow around the flare are not accounted for the present version of the model. 
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Figure 11: Comparison of aerodynamic heating model results with free flight data. 


3.0 RAMJET INTERNAL GAS DYNAMIC HEATING 


The model to predict the internal gas dynamic heating of the ramjet propulsion system will be treated in 
two separate parts: 1) the internal intake duct (Section 3.1) where there is only air flowing through the 
system, and 2) the combustor and nozzle (Section 3.2) where fuel is injected, mixed and burned with the 
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air and finally expanded to generate thrust. Figure 12 shows a schematic representation of the ramjet 
propulsion system to indicate the general layout of the propulsion system. 


Internal intake duct


Fuel injection


Internal intake ductInternal intake ductInternal intake duct


Fuel injection


 


Figure 12: Schematic representation of the ramjet propulsion system. 


3.1 Internal Intake Duct 
The internal intake configuration is an annular duct defined by the inner contour of the intake cowl and the 
outer contour of the intake centre body. For the internal heating of the intake subsystem of the propulsion 
system (i.e. the subsonic diffuser) the Colburn relation for heat transfer in fully developed turbulent pipe 
flows is adopted: 


( ) 67.02.02.067.0
2.0


67.02.0 Pr023.0Pr023.0PrRe023.0 −−−
−


−− =⎟⎟
⎠


⎞
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⎛
== μ


μ
ρν


HD GDDSt  (3.1) 


In this relation, the gas properties μ and Pr are to be evaluated at a temperature representative for the mean 
conditions in the boundary layer (i.e. the film temperature). 


Equation (3.1) is especially convenient because the gas properties term μ0.2Pr-0.67 is approximately constant 
as a function of the temperature. Due to this feature, a single representative value for this term can be used 
to calculate the Stanton number throughout the subsonic diffuser. This is illustrated in Figure 13 which 
shows the value of the transport properties of air as a function of the range of total temperatures to be 
expected in the ramjet intake duct. The specific heat at constant pressure, conductivity and the viscosity all 
show significant dependence on the temperature. The term μ0.2Pr-0.67, however, remains practically 
constant, allowing for one representative value to be selected for and used in the internal intake duct 
heating model. 
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Figure 13: Transport properties of air as calculated using CEA2000 [3]. 


In the thermal model the internal flow conditions are calculated such that the mass and energy of the air 
flow is conserved. This is done using the flow relations for a thermally perfect but calorically imperfect 
gas from [2]. 


To also include the effect of radiation of heat the model is extended by an internal radiation heat flow term 
for co-axial cylinders [6]: 
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Depending on which wall temperature is higher (the temperature of the cowl (Tcowl,x) or the temperature of 
the intake center body (TCB,x)), this radiative heat flow should be added to or subtracted from the heat 
input to the inner and outer wall of the intake duct. In this analysis it is assumed that the intake cowl wall 
thickness is infinitely small and assuming the internal and external intake cowl wall temperature to be 
equal. 


3.2 Combustor and Nozzle 
The combustor of the generic ramjet propulsion system shown in Figure 12 is essentially a cylindrical 
duct. The internal nozzle contour can also be treated as a cylindrical duct with varying diameter. As for the 
internal intake duct, the walls of the combustor and nozzle are assumed to be infinitely thin and the 
internal and external wall temperatures are assumed to be equal. The convective heat load can be 
evaluated in a similar manner as for the internal intake duct described in the previous section. 


In order to select a representative value of the μ0.2Pr-0.67 term for the combustion products in Equation 
(3.1), the values of specific heat at constant pressure, conductivity and viscosity have been calculated 
using the chemical equilibrium code CEA2000 [3]. The fuel is assumed to be Jet-A and Figure 14 shows 







Ramjets: Thermal Management – An Integrated Engineering Approach 


RTO-EN-AVT-185 7 - 13 


 


 


the results of the CEA2000 calculations of pure air and that of air/fuel mixture having equivalence ratios 
of 0.4 up to 1 (i.e. the stoichiometric mixture ratio). Increasing the mixture ratio results in higher values of 
the specific heat at constant pressure and of the conductivity. The viscosity is hardly affected by the 
equivalence ratio. As can be seen, the value of the μ0.2Pr-0.67 term again remains practically constant 
throughout the range of equivalence ratios and gas temperatures considered to be representative for the 
ramjet propulsion system. 
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Figure 14: Transport properties of air/Jet-A mixtures with equivalence  
ratio of 0 to 1 as calculated using CEA2000 [3]. 


Throughout the combustor and nozzle the internal flow conditions are calculated such that the mass and 
energy of the flow is conserved. This is done using the flow relations for a thermally perfect but 
calorically imperfect gas from [2]. 


4.0 INTEGRATED THERMAL MODEL OF SHYFE RAMJET VEHICLE 


As an application case study of the developed thermal model, the SHyFE vehicle has been modelled in 
HyTEC and both the aerodynamic and propulsion module as well as the thermal module were used to 
evaluate the integrated performance of the SHyFE vehicle. 


The Sustained Hypersonic Flight Experiment (SHyFE) was initiated by QinetiQ around the year 2000 [7]. 
The UK Ministry of Defence funded program aimed to design, manufacture and flight test a small 
demonstrator of a hypersonic cruise vehicle. The SHyFE vehicle (see Figure 15) was to be launched by a 
rocket booster to Mach 4 at an altitude of 15 km. After booster separation the flight demonstrator was 
intended to accelerate and climb under its own power to Mach 6 at 32 km altitude. At the latter flight 
conditions the vehicle would cruise for about 300 km prior to fuel burn-out and an uncontrolled descent. 
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Figure 15: Artist’s impression of SHyFE [7]. 


To keep development risk (and costs) low, a hydrocarbon fuelled annular ramjet combustor was proposed 
for the SHyFE vehicle. The design of the vehicle was such that it would fly at thermal equilibrium 
conditions during its cruise phase at Mach 6. Unfortunately, the program was canceled around the year 
2008. 


4.1 Kinematic Equilibrium Flight Conditions 
The aerodynamic and propulsion modules of the Hypersonic Technology Evaluation Code (HyTEC) [8, 9] 
have been used to predict the integrated flight performance of the SHyFE vehicle. Figures 16 and 17 show 
some of the main aerodynamic characteristics as predicted by HyTEC over a flight Mach number range of 
3 to 8 at altitudes ranging from 15 to 32 km. 
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Figure 16: HyTEC predicted of the lift to drag ratio as a function of Mach number and altitude. 


 


Figure 17: HyTEC predicted angle of attack a function of Mach number and altitude. 


From Figure 16 it can be seen that the SHyFE vehicle’s cruise Mach number of 6 is close to the Mach 
number at which optimum lift-to-drag ratio occurs at 32 km altitude. According to Figure 17 the predicted 
angle of attack at cruise flight conditions is about 5 degrees. 


Figure 18 shows the specific impulse of the SHyFE propulsion system as predicted by HyTEC over a 
flight Mach number range of 3 to 8 at altitudes ranging from 15 to 32 km. 
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Figure 18: HyTEC predicted specific impulse as a function of Mach number and altitude. 


The figure shows that the specific impulse decreases substantially when increasing the Mach number. This 
is due to the reducing propulsive efficiency of the subsonic combustion ramjet cycle at the high end of its 
operational envelope. At cruise flight conditions, a specific impulse around 1000 s is predicted by HyTEC. 


Assuming a fuel mass fraction of 0.1, the predicted cruise range is shown in Figure 19. It can be seen that 
the SHyFE cruise flight conditions are very close to the predicted maximum flight range at 32 km altitude. 
The flight range at the cruise conditions of the SHyFE vehicle (Mach 6 at 32 km altitude) is predicted to 
be somewhat larger than 800 km. It should be noted here that all HyTEC calculation results assume the 
thrust to be equal to the drag. At the Mach number attitude combinations at which the SHyFE vehicle is 
accelerating, the HyTEC predictions do not represent the actual performance parameters in terms of fuel 
consumption, specific impulse, etc. 
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Figure 19: HyTEC predicted cruise flight range as a function of Mach number and altitude. 


4.2 Thermal Equilibrium Conditions 
The thermal model used to evaluate the thermal conditions of the SHyFE vehicle is depicted in Figure 20. 
As can be seen, the vehicle has a central body extending from the nose tip to the end of the plug nozzle. At 
the front end of the annular combustor the fuel (assumed to be Jet-A) is injected and instantaneous mixing 
and combustion is assumed. Combustion efficiency as well as dissociation effects are accounted for in the 
propulsion module of HyTEC and the thermal module uses the corresponding static gas temperature in the 
combustor for its thermal analysis. 
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Figure 20: Thermal model description of the SHyFE vehicle. 
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All thermal model components as previously discussed are being used. External radiation is accounted for 
on all external surfaces assuming a value for the emissivity equal to 0.8. Internal radiation is accounted for 
using the equation for radiating concentric cylinders (Eq. (3.2)). 


Figure 21 through 23 show the predicted equilibrium wall temperatures of the outer surface of the vehicle 
and of the wall of the centre body as a function of the x-coordinate along the vehicle for three different 
flight conditions. Also included are the adiabatic wall temperatures of the external and internal surfaces.  


 


Figure 21: Predicted SHyFE vehicle external and internal  
wall temperatures at the Mach 4 and 15 km altitude. 
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Figure 22: Predicted SHyFE vehicle external and internal  
wall temperatures at the Mach 5 and 20 km altitude. 


 


Figure 23: Predicted SHyFE vehicle external and internal  
wall temperatures at the Mach 6 and 32 km altitude. 


The figures show a small step in external adiabatic wall temperature at the cowl-cylindrical body interface 
due to the local flow expansion. At the start of the combustion chamber a very steep rise in wall 







Ramjets: Thermal Management – An Integrated Engineering Approach  


7 - 20 RTO-EN-AVT-185 


 


 


temperature is visible as a result of the instantaneous mixing and combustion assumption. The heating of 
the external vehicle surface through radiation from the inner wall can be clearly seen; the external wall 
temperature at all flight conditions is significantly higher than the external adiabatic wall temperature. The 
highest wall temperatures are predicted for the highest flight speed; the inner combustor wall reaches a 
temperature of about 1750 K while the outer wall temperature is about 1550 K. At the nozzle throat, 
predicted peak wall temperature reach values of about 2100 K for the inner wall and 1900 K for the 
external vehicle wall. In the nozzle the wall temperatures quickly drop due the expansion process. 


4.3 Angle of Attack Effects on Thermal Equilibrium Conditions 
Figure 24 shows the predicted external and internal wall temperatures of the SHyFE vehicle at the 
windward and leeward body centre line for the Mach 6 at 32 km cruise flight condition taking into account 
the HyTEC predicted angle of attack of the vehicle. In the thermal model the intake nose cone angle and 
intake cowl angle were increased with the vehicle angle of attack at the windward side, while the angle of 
attack was subtracted from the nose cone and intake cowl angle at the leeward side. The expansion angle 
at the intake cowl interface to the cylindrical body was kept equal to the cowl deflection angle, resulting in 
the body wall to have a positive angle of attack at the windward side and a negative angle attack at the 
leeward side. 


 


Figure 24: Predicted effect of the angle of attack on the SHyFE vehicle external  
and internal wall temperatures at the Mach 6 cruise condition at 32 km altitude. 


As can be seen from Figure 24 all windward wall temperatures are equal to or higher than the 
temperatures on the leeward side of the vehicle. The angle of attack effect is visible most prominent on the 
intake nose cone. The effect of the approximately 5 degrees angle of attack is far less pronounced on the 
intake cowl. It can be seen, though, that the changed cowl wall temperature also affects the temperature of 
the inner wall of the internal intake duct. Hardly any effect is visible on the cylindrical body and 
combustor inner wall while at the aft end of the vehicle some minor effects show. 
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5.0 CONCLUDING REMARKS 


Combining the thermal models described in the present lecture with the already existing HyTEC tool 
results in an integrated engineering system model capable of first order evaluations of the following 
aspects of a high speed airbreathing propelled vehicle: 


• Aerodynamic performance. 


• Propulsive performance. 


• Thermal management. 


The resulting integrated engineering tool allows for vehicle system level trade-offs in the early design 
stage of high speed airbreathing propelled vehicles. 


The following aspects are considered for future extensions of the integrated engineering system tool:  


• Include finite wall thickness. 


• Include conduction (in axial and radial direction). 


• Include a mixing and combustion ramp up zone in the combustor. 


• Include radiation from combustion gasses. 


• Include the option of multiple fuel injection locations. 


• Conical flow field effects on the flare surface. 


• Include vehicle acceleration capability (HyTEC). 
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ABSTRACT 


By injecting and mixing the fuel upstream of the combustor and initiating the combustion of the fuel-air 
mixture by a shock wave in the combustor, shock-induced combustion ramjets offer the potential to 
drastically reduce the length and mass of scramjet propulsion systems. Based on extensive numerical gas 
dynamic and thermo-mechanical analysis, an axi-symmetric dual cone test object was designed and 
manufactured to demonstrate that it is possible to inject hydrogen into a high enthalpy supersonic air flow 
without causing premature ignition and subsequently induce combustion of this mixture by a strong 
oblique shock wave. The test object was instrumented with 16 thermocouples and a shadowgraph 
technique was used to visualize density changes in the flow field. A test series was executed in the TNO 
Free Jet Test Facility using the Mach 3.25 free jet nozzle in which the air flow stagnation temperature and 
the injected hydrogen mass flow rate was varied. Due to thermal expansion of the strut holding the test 
object, a small angle-of-attack was induced and resulted in different types of combustion occurring at the 
top and bottom sides of the test object. At the bottom, hydrogen was captured and subsequently burned in 
the boundary layer separation zone resulting in very high local heat loads. At the top side of the test 
object, shock-induced combustion occurred in the inviscid flow field only at a higher level of stagnation 
temperature with a peak heat load clearly downstream of the boundary layer separation zone. This 
experimental result is an important step in demonstrating the feasibility of a shock-induced combustion 
ramjet as a future hypersonic propulsion system. 


1.0 INTRODUCTION 


In weapon system development there is a clear trend towards higher flight speed and increased range to 
extend tactical weapon system capabilities in terms of increased stand-off, decreased time-to-target and 
decreased susceptibility to countermeasures. In-service systems around the world operate in the supersonic 
range while technologies for hypersonic weapon systems are currently under development. Due to its 
superior propulsive efficiency, airbreathing propulsion is the only viable solution to satisfy the combined 
requirement of increased flight speed and range. Hypersonic airbreathing propulsion is therefore an 
important enabling technology for hypersonic weapon systems while at the same time offering significant 
performance improvement potential for (re-usable) space launchers. For this reason research and 
development activities have been carried out during the past few decades on high-speed airbreathing 
propulsion systems at TNO Defence, Security and Safety [1]. 


Numerous technology demonstration programs have been and are presently being conducted worldwide 
that address the challenges of hypersonic airbreathing propulsion. A significant amount of these studies 
focus on supersonic combustion ramjet or scramjet propulsion. In the classic (subsonic combustion) ramjet 
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engine, the compression process in the air intake reduces the flow speed to subsonic values prior to 
injecting and burning the fuel. At flight Mach numbers around 6, the temperature of the compressed air 
becomes so high that combustion of the fuel results in a large part of the chemical energy of the fuel being 
lost due to dissociation of the combustion products. An option to reduce these dissociation losses is to 
reduce the combustor entry static temperature by limiting the compression ratio and allowing the air to 
enter the combustor at supersonic flow speeds. The resulting scramjet engine cycle can potentially be used 
to generate useful thrust at flight speeds well into the hypersonic regime. However, the supersonic flow 
speed in the combustor of a scramjet engine in turn poses severe challenges related to injection, mixing 
and combustion of the fuel within the combustor. To efficiently realize this in a supersonic flow may 
require a significant combustor length which adds considerably to the vehicle mass and complexity, 
especially considering the fact that active cooling may be required for the combustor walls.  


A hypersonic airbreathing propulsion concept for which the combustor length can drastically be reduced is 
the shock-induced combustion ramjet or shcramjet (see Figure 1). In this propulsion concept the fuel is 
injected upstream of the combustor, taking full advantage of the length of the vehicle forebody acting as 
part of the intake for mixing of the fuel with the air flow. Upon entrance of the combustor, a shock is 
generated which increases the static temperature of the supersonic air-fuel mixture beyond its auto-ignition 
temperature. The main challenge of this specific hypersonic propulsion concept is related to achieving 
injection and efficient mixing of the fuel with the air in such a way that the compression function of the air 
intake is not compromised while at the same time preventing premature ignition of the mixture. Since at 
hypersonic flight speeds the temperature in the boundary layer on the vehicle forebody is well above the 
auto-ignition temperature the presence of fuel in the boundary layer should be avoided. Also the injection 
of fuel itself should not create shock waves that are strong enough to raise the local static temperature 
above the auto-ignition temperature. 


 


Figure 1: Shock-induced combustion ramjet (shcramjet) [2]. 


2.0 SHOCK-INDUCED COMBUSTION EXPERIMENT DEFINITION AND 
DESIGN 


2.1 Goal 
Although shock-induced combustion of premixed air-fuel mixtures has been demonstrated experimentally, 
the feasibility of the shcramjet engine concept has been demonstrated only in numerical studies [2]. In 
order to better assess the potential of this hypersonic propulsion system, a proof-of-principle experiment 
has been designed and executed by the Defence, Security and Safety core area of the Netherlands 
Organization for Applied Scientific Research TNO in close collaboration with the Canadian Defence 
Research and Development Establishment DRDC, Valcartier. In this experiment gaseous hydrogen is 
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injected from a test object into a supersonic air flow having a static temperature which is representative for 
typical hypersonic operational conditions. Figure 2 displays the axi-symmetrical test object. After mixing 
with the air over a certain distance the air-fuel mixture flows through a strong oblique shock wave 
generated by the test object itself. The objective of this experiment is to demonstrate that it is possible to 
inject a highly reactive fuel into a high enthalpy supersonic air flow without causing premature ignition 
and subsequently induce combustion of this mixture by a strong oblique shock wave. 


 


Figure 2: Schematic of the test geometry and expected flow field. 


2.2 Gas Dynamic and Thermo-Mechanic Design of the Test Object 
Computational Fluid Dynamics (CFD) was extensively used to design a shock-induced combustion 
experiment in which hydrogen was injected from the nose of a dual-cone test object into a supersonic 
airstream. Given the operational envelope and the dimensional constraints of the TNO Free Jet Test 
Facility [3] (see Section 2.5.1) it was decided to design an axi-symmetric test object having a second cone 
base diameter of roughly 60 mm. A half cone angle of 5° was selected for the upstream slender cone part 
while the half cone angle of the second cone was to be determined from gas dynamic analysis. Several test 
object geometries, fuel injectors, and test conditions were considered to identify feasible possibilities. This 
section gives an overview of the gas dynamic and thermo-mechanic design activities performed. 


2.2.1 Gas Dynamic Analysis 


In an extensive computational study [4, 5] using FLUENT [6] different injector geometries were 
investigated and compared based on four performance parameters: the fuel penetration height, the mixing 
efficiency, the Mach number downstream of the injector and the suppression of premature ignition. The 
following types of injectors have been considered, assuming the hydrogen to be injected at sonic flow 
conditions: 


• Dump injector. 


• Dual stage injector. 


• Cylindrical ramp injector. 


The dump injector is the simplest form of injector since it assumes the hydrogen to be injected in the 
supersonic air flow directly from a hole in the wall. FLUENT calculations have been performed in which 
the injection angle and the injector hole diameter have been varied to study the effect on primarily the 
penetration height and mixing efficiency. Figure 3 shows an example of the predicted hydrogen dispersion 
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for this kind of injector. As can be seen in this figure, hydrogen is inevitably captured inside the boundary 
layer. Given the very high temperatures inside the boundary layer (well beyond 1000 K) this will 
consequently result in premature ignition of the hydrogen. 


 


Figure 3: Hydrogen mole fraction contours for a typical dump injector configuration. 


Figure 4 shows the 2 other injector configurations considered. In the dual stage injector the hydrogen is 
injected from a backward facing step created by adding a second conical part to the slender front cone. 
The mixing is further enhanced by introducing rectangular gaps in between the injector holes in the front 
cone part. Also this injector type suffered from hydrogen being captured in the boundary layer. To prevent 
premature ignition, ways to inject the hydrogen well above the boundary layer were subsequently 
considered. The predicted hydrogen mole fraction contours in Figure 5 for the dual stage injector 
compared to that of the cylindrical ramp injector clearly shows the advantages of the latter injector type in 
terms of preventing premature ignition in the boundary layer. To reduce the strength of the bow shock 
upstream of the cylindrical ramp injector (which also may cause high temperature flow pockets with 
related risk of premature ignition of the hydrogen), an injector angle of 30° was selected. 


 


a) Dual stage rectangular gap injector    b) Cylindrical ramp injector 


Figure 4: Alternative injector configurations considered during the gas dynamic analysis. 
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Figure 5: Hydrogen mole fraction contours for a dual stage (top) and a cylindrical ramp injector (down). 


To maximize the chance of successfully demonstrating shock-induced combustion, the flow conditions in 
the combustion region were subsequently studied. Given the limitations of the TNO Free Jet Test Facility 
[3], it appeared that the local flow conditions were most favorable using the Mach 3.25 free jet nozzle with 
a total temperature of 1500 K. To achieve maximum mixing efficiency, the momentum flux ratio between 
the hydrogen jet and the supersonic air cross flow was set to 1.0. Figure 6 shows the predicted flow 
conditions in the combustion region resulting from a non-reactive simulation for a cylindrical ramp 
injector assuming second cone angles equal to 35° and 39°. 


 


Figure 6: Flow conditions in the combustion region for a non-reactive  
simulation (10 mm downstream of second cone leading edge). 
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In Figure 6, the Mach number, the temperature and the equivalence ratio are displayed from the cone wall 
upwards at a location 10 mm downstream of the transition from the slender cone to the steep cone part. It 
can be seen that the maximum value of the equivalence ratio is around 0.2 at r=2.5 mm, with the 
temperature being in the 900-1100 K range. Since the lower and upper flammability limits of a hydrogen-
air mixture according to [7] are 0.1 and 7, respectively, and the auto-ignition temperature being around 
800 K7 this indicates that ignition of the mixture is very likely to occur under these flow conditions. 
Figure 6 also clearly shows that there is a subsonic flow pocket close to the wall which is the combined 
result of the wake of the ramp injector and shock induced boundary layer separation. Figure 6 shows that 
reducing the strength of the oblique shock wave by decreasing the second cone angle from 39° to 35° 
indeed reduces the size of the subsonic flow pocket substantially. 


Simulations using finite rate chemical kinetics were also conducted to verify ignition of the mixture in the 
combustion region. Figure 7 shows the combustion efficiency for two reactive simulations: a stagnation 
temperature of 1500 K with a second cone angle of 39° and a stagnation temperature of 1700 K with a 
second cone angle of 35°. For the lower stagnation temperature case, 20% of the hydrogen is oxidized at 
the end of the combustion region. For the higher stagnation temperature simulation, the cone angle was 
decreased to reduce the second cone angle strength and therefore to reduce the effect of the boundary layer 
/ shock wave interaction in the combustion region. However, by increasing the stagnation temperature to 
1700 K, the static temperature in the combustion region was kept above the auto-ignition temperature. 
From Figure 7 it can be seen that for this case the combustion efficiency reaches 39% at the end of the 
combustion region. 


 


Figure 7: Combustion efficiency for 2 reactive simulations. 


2.2.2 Thermo-Mechanic Analysis 


In addition a thermo-mechanical analysis was performed to verify the structural behavior of the injector 
during a typical experiment. Using the FLUENT predicted heat transfer coefficient on the surface of the 
SICTO, the heat conduction into the SICTO structure was predicted using COMSOL Multiphysics [8]. 
Figure 8 shows the resulting temperature distribution of the cylindrical ramp injector and its surrounding 
structure after being subjected for 1 second to a Mach 3.25 air flow at 1500 K total temperature taking into 
account the cooling effect of hydrogen flowing through the injector. It can be seen from this Figure that 
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the injector reaches a very high temperature in a short period of time. It is already difficult to find 
(machinable) materials that have sufficient strength at these high temperatures. In addition, the very high 
temperature gradients occurring on the leading edge of the injector during the initial phase of heating up 
(up to 1600 K/mm) give rise to extremely high stresses due to thermal expansion. These stresses are well 
above the yield stress and will be relieved by plastic deformation which in combination with the 
mechanical (pressure) load on the injector will most likely result in the injector to fail mechanically. 


 


Figure 8: Temperature distribution in the symmetry plane through the circular ramp injector  
after a 1 second heat load from a 1500 K total temperature Mach 3.25  


air flow with hydrogen flowing through the injector. 


2.2.3 Definition of Final Injector Configuration 


From the thermo-mechanical analysis it was clear that the cylindrical ramp injector design was not 
acceptable. In order to arrive at a mechanically sound injector configuration the following solution 
directions were identified: 


• Introduction of a sharp wedge leading edge to reduce the heat load and mechanical load on the 
injector. 


• Introduction of a support structure connecting the injector to the cone wall at the downstream side 
of the injector to provide the required mechanical strength. 


These design changes also offer advantages from gas dynamic point of view. First, the sharp wedge 
leading edge results in a much weaker bow shock upstream of the injector and thus reduces the risk of 
premature ignition. Secondly, by shaping the support structure as a wedge with a sharp trailing edge, the 
size of the wake and the related adverse effect on the local flow conditions in the combustion region are 
minimized. It was therefore decided to change the injector geometry into a so-called double wedge 
configuration with sharp leading and trailing edges. A leading edge backward sweep angle of 30° was 
selected while the trailing edge was configured perpendicular to the cone wall (i.e. a forward sweep angle 
of 5°), and the angle of the injection axis was 30º. As a result, the selected injector configuration as shown 
in Figure 9 is very similar to a wing of a supersonic airplane. 
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Figure 9: Final injector design: test object overview (left) and injector detail (right). 


2.3 Construction of the Test Object 
The Shock-Induced Combustion Test Object (SICTO) was designed based on the gas dynamic and 
thermo-mechanic numerical simulations that provided the optimum geometry for shock-induced 
combustion, as described in Section 2.2. Figure 10 shows the machined test object, before it was tested in 
a hot supersonic flow stream. A pen was included in the picture to give a visual indication of the scale of 
the test object. The material used was Inconel 617. It can be seen that the injector geometry is the same as 
the one shown in Figure 9. The following dimensions were the same as those used in the numerical 
simulations: length of the slender front cone (115 mm), wall angle of the front cone (5°), injection angle 
with respect to the cone axis (30°), 6 injectors equally spaced in the circumferential direction and radius of 
the cone base (30 mm). The wall angle of the second cone part shown in Figure 10 is 39°. However, this 
part of the test object can be changed to modify the cone angle of the combustion region. In total, 3 second 
cone wall angle parts are available for testing (35°, 39° and 43°). The hydrogen injection port diameter is 
0.5 mm and was machined using spark erosion. Due to the difficulty in drilling such small ports, not all 
had the same dimension. One of six ports had an exit diameter of 0.65 mm, whereas all had entrance 
diameters of 0.4 mm. During the experiments, care was taken to position the SICTO such that the injection 
port having the 0.65 mm exit diameter was not located upstream of the measurement locations. 


 


Figure 10: Shock-induced combustion test object. 


Figure 11 shows the layout of the test object. As can be seen, there are 14 thermocouples that measure the 
temperature 0.35 mm under the wall surface. More information about the thermocouples is given in 
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Section 2.4. The test object is made of 3 parts: one of which incorporates the gaseous hydrogen feed line 
and the other two parts making up the second cone. To assemble the test object, the front part sits on one 
half of the second cone, and the other half of the second cone slides into the 2 pin holes of the first half. 
Then the back bolt is screwed to keep all the parts tight, which results in the object presented in Figure 10. 


2.4 Instrumentation of the Test Object 
The instrumentation used during the test runs served principally to determine if combustion of the fuel 
injected from the SICTO occurred and, for the cases of successful combustion, to determine its location. 
The instrumentation of the SICTO consists of thermocouples monitoring the cone wall downstream of 2 of 
the 6 injectors. 


The thermocouples were already shown in Figure 11. They are better illustrated in Figure 12 where only 
one piece of the back part is displayed. The thermocouples are located downstream of 2 injectors (180º 
apart), in order to observe the symmetry of the flow during a test run. The two sets of thermocouples are 
referred to as the top and bottom thermocouples. Downstream of each injector, there are 8 K-type 0.25-
mm-diameter thermocouples. Among them, 7 are located 0.35 mm under the surface (four along the first 
cone and three along the second cone) and one that measures the temperature 2 mm above the surface, at 
the end of the combustion region. The sub-surface mounted thermocouples were installed in such a way 
that contact with the SICTO wall was ensured. The numbering of these thermocouples is also represented 
in Figure 12. Figure 13 shows the exact location of the thermocouples in the test object. 


 


 


Figure 11: The test object layout. 


Thermocouples 
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feed line
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Figure 12: Thermocouples inserted in the test object. 


 


Figure 13: Location of the thermocouples in the SICTO. 


2.5 Description of the Complete Test Set-Up 
The complete test set-up comprises the TNO free jet test facility, the SICTO as described in the previous 
section, and some auxiliary diagnostic systems. 


2.5.1 TNO Free Jet Facility 


The TNO free jet facility was developed to enable on-ground verification of the functioning of gun-
launched ramjet propelled projectiles [3]. It consists of a gas supply system, an air heater and a 
convergent-divergent nozzle to generate a supersonic air flow. 


The gas supply system is capable of supplying air, oxygen, nitrogen, methane and ethylene at a wide 
variety of mass flow rates. The gases are stored at high pressure (around 200 bar) and fed to the test set-up 
by a computer controlled feed system with pressure regulators (check)valves as well as instrumentation to 
monitor the functioning of the gas supply system. 


Upstream of the supersonic nozzle, the air is heated by a hydrogen/oxygen flame. The air heater is 
composed of a complex system of hydrogen and oxygen injectors (see Figure 14). There is an annular 


1 2 3 4 
5 6 


7 8 
Top thermocouples 


Bottom thermocouples 
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element for the injection of hydrogen. The purpose of this hydrogen injector is to add the hydrogen 
homogeneously to the airflow and to do this with a sufficiently high velocity to keep the flame front away 
from the injectors. During the hydrogen combustion oxygen is consumed. To correct for this, additional 
oxygen is added to the air heater. If the combustion product of hydrogen and oxygen (i.e. water) is 
assumed to be inert, the molar ratio of oxygen molecules / inert molecules in the heated air will be kept 
equal to that of atmospheric air (i.e. 21%). The radial mounted elements in Figure 14 are the oxygen 
injectors. Prior to entering the air heater, the supplied gases flow through stagnation vessels equipped with 
sonic chokes in which the temperature and the pressure of the gases are measured. The mass flow rates of 
the gases are kept at the desired pre-set value by regulating the pressure inside the stagnation vessels. The 
air heater is capable of heating 5 kg/s of air to approximately 1500 K at a maximum pressure of 6 MPa. 


Air stagnation vessel 
Nozzle segment Combustion chamber 


segment


Brake-up dome 


Injector segment 


Oxygen injector 
Hydrogen injector 


Thermocouple ring 


Freejet nozzle 


 


Figure 14: Drawing of the air heater and free jet nozzle of the TNO Free Jet Test Facility. 


The air heater is ignited by a methane-oxygen torch mounted on the air heater combustion chamber which 
in turn is ignited by a glow plug. In between the combustion chamber and the exhaust nozzle the so-called 
thermocouple ring, incorporating 12 thermocouples, is mounted such that the homogeneity of the heated 
air flow can be monitored. Usually the measured temperatures are all within plus or minus 25 K of the 
mean value. Downstream of the thermocouples, a free jet nozzle is mounted to expand the flow to 
supersonic velocities. Various free jet nozzles are available to generate supersonic flows from Mach 3.25 
to 4.5. The gas supply system and the air heater are equipped with a large number of transducers to 
monitor the performance of the free jet facility. 


Figure 15 shows the dual-cone test object mounted behind the TNO Free Jet Test Facility. For the shock-
induced combustion experiments a Mach 3.25 free jet nozzle was used having an exit diameter of 52 mm. 
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Figure 15: Dual-cone test object mounted behind the TNO free jet test facility. 


2.5.2 Auxiliary Diagnostic Systems  


A shadowgraph system was used to visualize density changes in the flow around the test object. This 
system includes a light source, a pin hole, 2 field lenses and a camera. These components are shown in 
Figure 16. A complete description of a shadowgraph system can be found in the literature [9]. Monitoring 
the density changes of the flow allow the visualization of phenomena such as shock waves, dispersion of 
the injected fuel, separation of boundary layers and ignition of combustible mixtures. 


Light source Pin hole First field 
lense 


Second 
field lense 


Camera 


 


Figure 16: Components of the shadowgraph system. 


A thermographic camera was used to monitor the surface temperature of the test object and to monitor the 
thermal load on the walls of the air heater during each test run. As the facility does not have any active 
cooling device, it was important to limit the thermal load on the air heater. 


Two video cameras were used during each test run. One focused on the SICTO to monitor the test object 
glowing as it was heated by the hot flow from the facility, and to see combustion of the injected fuel when 
this event occurred. The other video camera monitored the complete set-up. 
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3.0 EXPERIMENTAL RESULTS 


3.1 Description of Test Sequence 
Figure 17 shows a typical valve sequencing used for the shock-induced combustion experiments. Initially, 
the air feed line is opened followed 5 seconds later by the opening of the oxygen feed line. Ten seconds 
later, after both mass flow rates have attained stable values, the pilot flame is operated for 5 seconds. 
During the last two seconds of the pilot flame operation, the hydrogen supply to the air heater is started 
leading to immediate ignition of the air heater. Two seconds after the air heater ignition, the air 
temperature attains a stable equilibrium temperature (see Figure 18). Three seconds after air heater 
ignition, the hydrogen supply to the SICTO is started and maintained for three seconds. This is the crucial 
phase of the test to determine if shock-induced combustion occurs or not. Two seconds after terminating 
the hydrogen supply to the SICTO the air heater is shut-off by closing the hydrogen supply to the air 
heater. From that moment on, the cold air which still flows through the free jet facility, actively cools the 
air heater and free jet nozzle as well as the SICTO set-up until closing the air supply 50 seconds after 
initiating the experiment. 


 Air 
Oxygen 
Pilot flame 
Air heater H2 


0 5 15 
18 


20 26 50 Time (s) 
21 24 


Sicto H2 


 


Figure 17: Typical valve sequence of a shock-induced combustion experiment. 


3.2 Overview of Tests Executed 
An extensive test program was executed consisting of the following experiments: 


Cold Flow Experiment 


A cold flow experiment was conducted without the SICTO installed to ensure the proper functionality of 
the instrumentation and settings of the free jet facility. 


Free Jet Facility Qualification Experiments 


Previous experiments with the free jet facility were limited to supplying 3 kg/s air at 1150 K. To extend 
the operational envelope of the TNO Free Jet Test Facility several experiments have been executed 
without the SICTO installed in which the temperature was stepwise increased to 1300 K. A typical 
temperature history of the thermocouples mounted in the air heater to monitor the temperature uniformity 
is shown in Figure 18. The three thermocouples closest to the air heater wall (i.e. at 5 mm from the wall) 
show a temperature level somewhat lower than the thermocouples further away from the wall. 
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Figure 18: Typical temperature histories as recorded by 12 thermocouples installed in the air heater. 


SICTO Qualification Experiments 


To qualify the SICTO, experiments at 1300 K were executed with the SICTO installed behind the free jet 
facility and injecting nitrogen instead of hydrogen, at a mass flow rate of 13.5 g/s. The cooling effect of 
the injected nitrogen could be clearly seen from the measurements of the thermocouples installed in the 
SICTO. 


Shock-Induced Combustion Experiments 


Subsequently, several tests were performed with hydrogen injection at various free jet total temperatures 
and hydrogen mass flows using the 39º second cone part to verify whether or not shock-induced 
combustion would occur. The most important results of these experiments will be discussed in detail in the 
next three sections. 


3.3 Reference Case without Combustion 
This section describes the results of a typical shock-induced combustion experiment in which no signs of 
combustion could be detected. These experimental results serve as a reference to compare and evaluate the 
differences of recorded signals and images of the experiments where (shock-induced) combustion is 
believed to occur. 


In order to acquire test data without combustion, a test was conducted at a stagnation temperature of 1150 K. 
This would result in a static temperature downstream of the oblique shock of roughly 850 K. At this 
temperature, the induction time is relatively long and it was expected that the length of the combustion 
region was too short for the mixture to ignite. The actual mean air stagnation temperature during this 
experiment (test number Q080904-01) was 1157 K and the total mass flow rate of injected hydrogen was 
1.28 g/s. It should be noted that early in the test program it was noticed from the shadowgraph video that the 
bottom hydrogen injector became plugged. Attempts to clear this injector tube failed and it was decided to 
rotate the SICTO such that this blocked injector was at a position not upstream of the thermocouples and not 
visible on the shadowgraph and normal video. As a consequence, the hydrogen mass flow per injector 
became 1/5th the total hydrogen mass flow rate for the experiments discussed in the present paper. 
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Figure 19 a) and b) show the temperature histories of the thermocouples at the lower and top sides of the 
SICTO, respectively. At both the top and bottom side of the SICTO the thermocouple signals show very 
similar behavior. At the moment of ignition of the pilot flame of the air heater all thermocouples show a 
small increase in measured temperature. Upon air heater ignition all measured temperatures rise very 
quickly showing a clear distinction between the thermocouples mounted on the slender upstream cone and 
those that are mounted on the steep aft cone. The local temperature-time gradients are a good measure for 
the local heat loads; the higher the temperature-time gradient, the higher the heat load. The slender cone 
thermocouples (numbers 1 through 4) experience a modest heat load and those that are mounted on the 
steep second cone (numbers 5 through 7) encounter a much higher heat load due to the increased 
temperature level of the supersonic flow downstream of the strong oblique shock wave. Thermocouple 
number 8 is mounted at the aft side of the second cone 2 mm above the surface in order to measure the 
local flow temperature (see Figure 12). The cooling effect of the injected hydrogen can be clearly seen on 
all signals of the thermocouples mounted on the second cone as well as the thermocouple mounted in the 
air flow downstream of the combustion zone. No signs of combustion can be noticed. Directly after the 
hydrogen injection phase the temperatures measured by thermocouples 5 through 8 rise again until the air 
heater is terminated. 
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 e)  f) 


Figure 19: Temperature histories of the thermocouples mounted at the bottom (left column)  
and the top (right column) for the experiments discussed in Sections 3.3 though 3.5. 
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A few interesting features can be noticed from these temperature signals: 


• One would expect that the growing boundary layer on the slender cone would result in the most 
upstream thermocouple to experience the highest heat load (i.e. the steepest temperature rise). As 
can be seen both on the top as well as the bottom side, thermocouples 1 through 3 do show this 
behavior. Thermocouple 4 however, appears to experience the largest heat load. This is a strong 
indication that this thermocouple is located at or close to the recirculation zone caused by the 
oblique shock-induced boundary layer separation. 


• Also thermocouple 5 and 6 showing a higher heat load than thermocouple 7 indicates that 
thermocouple 5 and 6 are either located at or close to the recirculation zone caused by the oblique 
shock-induced boundary layer separation. 


• The thermocouples mounted at the bottom side of the SICTO in general show a slightly higher 
temperature than their counterparts mounted on the top side. Analysis of the shadowgraph video 
recordings show that heating up of the leading edge of the strut holding the SICTO during the 
experiment causes the nose of the SICTO to move upwards to attain a steady angle-of-attack of 
approximately 2 degrees about 2 seconds after air heater ignition. After air heater termination, the 
cold air flow cools the strut and the angle-of-attack quickly is reduced to zero degrees. 


Figure 20 a) and b) and Figure 21 a) and b) respectively show shadowgraph video frames and normal 
video frames of the same experiment just before and during the hydrogen injection phase. The 
shadowgraph video frames (Figure 20 a) and b)) clearly confirm the presence of the boundary layer 
separation zone caused by the strong oblique shock wave. This zone seems to be slightly larger at the 
bottom side compared to the top side which is to be expected due to the small angle-of-attack, therefore, 
causing a slightly stronger shock wave at the bottom side. The shadowgraph video frame during the 
hydrogen injection clearly shows the shock wave generated at the upstream side of the hydrogen jet. The 
normal video frame in Figure 21 b) shows a nice heat load pattern on the second cone surface clearly 
revealing the cooling effect of the injected hydrogen directly downstream of each of the hydrogen 
injectors. 
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Air heater combustion phase (no hydrogen 
injection) 


Hydrogen injection phase 


 a)  b)


 c)  d) 


 e)  f) 


Figure 20: Shadowgraph video images just before (left column) and during the hydrogen 
injection phase (right column) for the experiments discussed in Sections 3.3 through 3.5. 
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Air heater combustion phase (no hydrogen 
injection) 


Hydrogen injection phase 


 a)  b)


 c)  d) 


 e)  f) 


Figure 21: Video images just before (left column) and during the hydrogen injection  
phase (right column) for the experiments discussed in Sections 3.3 through 3.5. 
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3.4 Combustion in Shock-Wave Induced Boundary Layer Separation Zone 
The experiment as described in the previous section was repeated with an actual mean stagnation 
temperature of the air flow equal to 1254 K (test number Q080904-02). The total hydrogen mass flow rate 
injected again was 1.28 g/s. The temperature histories of the bottom and top thermocouples are shown in 
Figures 19 c) and d), respectively. Comparing Figure 19 d) with Figure 19 b) shows that the temperature 
histories of the top thermocouples of this experiment are very similar to those of the reference experiment. 
The higher stagnation temperature with respect to the reference experiment causes all recorded 
temperatures to be higher. Also in this experiment the cooling effect of the injected hydrogen can be 
noticed on the top thermocouples 5 through 8. An important difference with respect to the reference 
experiment is that upon air heater ignition, the heat load (i.e. the temperature-time gradient) at position 4 
(both top and bottom) is now significantly higher than those at position 1 through 3. This may indicate an 
increased size of the boundary layer separation zone. This indeed is confirmed by the shadowgraph video 
images when comparing Figures 20 c) and a). Especially at the bottom side, the boundary layer separation 
zone is clearly larger than for the reference experiment. 


When looking at the temperature histories on the bottom side in Figure 19 c) it can be seen that 4 
thermocouples show a gradual increase of temperature during the hydrogen injection phase and a sudden 
temperature decrease at termination of the hydrogen injection. At the end of the hydrogen injection phase 
thermocouple 6 even measures a wall temperature around 1300 K, which is in excess of the stagnation 
temperature of the supersonic air flow. This is an effect that can only be attributed to the occurrence of 
combustion. It can be seen that these temperature effects are most pronounced for thermocouples 5 and 6. 
In contrast to thermocouples 7 and 8, which do not seem to experience an increased temperature during 
the hydrogen injection phase, the effect of combustion is also visible on thermocouple 4 and, although 
with a significant time delay presumably caused by conduction of heat in the upstream direction, even on 
thermocouple 3. This is a strong indication that combustion occurs only in the boundary layer separation 
zone which then is accompanied by a substantial increase of the size of the boundary layer separation 
zone. This would be due to a decreased flow density resulting from the combustion heat added. When 
looking at the shadowgraph image of the hydrogen injection phase of this experiment (Figure 20 d)) it can 
be seen that the separation zone at the bottom side indeed is significantly enlarged compared to the 
situation prior to hydrogen injection in the same experiment (Figure 20 c)). In contrast, the separation zone 
at the top side is of comparable size as in the situation prior to hydrogen injection. Finally, when looking 
at the normal video frame during the hydrogen injection phase depicted in Figure 21 d), the flow field at 
the bottom of the SICTO features a vague hazy plume just below the second cone surface. From the above 
information it is concluded that the small angle-of-attack of the SICTO results in hydrogen to be captured 
inside the boundary layer separation zone. The low flow velocity inside this boundary layer separation 
zone results in a high static temperature combined with a residence time of the gases long enough for 
combustion to initiate. At the top side there are no indications of combustion occurring and it is assumed 
that due to the small angle-of-attack either no hydrogen is captured in the boundary layer separation zone 
or the combination of static temperature and residence time inside the separation zone are unfavorable for 
the hydrogen to be oxidized. 


3.5 Shock-Induced Combustion in Inviscid Flow Field 
The experiment as described in the previous section was repeated with an actual mean stagnation 
temperature of the air flow equal to 1428 K (test number Q080905-01). The total hydrogen mass flow rate 
injected again was 1.28 g/s. The temperature histories of the bottom and top thermocouples are shown in 
Figures 19 e) and f), respectively. Looking at the bottom thermocouple recordings in Figure 19 e) it can be 
seen clearly that combustion is occurring; thermocouples 4 through 8 show a steep temperature gradient 
upon hydrogen injection. The hazy plume visible below the second cone surface on the normal video 
image (Figure 21 f)) also confirms that combustion occurs at the bottom side of the SICTO. In contrast to 
the experiment described in the previous section, the combustion seems to be initiated immediately upon 







Proof-of-Principle Experiment of a Shock-Induced Combustion Ramjet 


RTO-EN-AVT-185 8 - 21 


 


 


hydrogen injection. Thermocouples 5, 6 and 8 record maximum temperatures in excess of the air flow 
stagnation temperature. Close to the end of the hydrogen injection phase and prior to its failure, 
thermocouple 6 records a wall temperature approaching 1600 K. The largest temperature gradient is 
recorded by thermocouples 4 through 6 indicating that the heat load occurring at these locations is the 
largest. As in the experiment described in the previous section thermocouple 3 shows an increasing 
temperature with a significant time delay which is believed to be the result of heat conduction in the 
upstream direction from the thermally highly loaded boundary layer separation zone. Thermocouple 7 
shows a temperature gradient which is significantly lower than that of thermocouples 4 through 6. As in 
the experiment described in the previous section, these temperature histories indicate that combustion is 
occurring mainly inside the boundary layer separation zone. The shadowgraph image in Figure 20 f) 
indeed shows that the size of the boundary layer separation zone at the bottom side has become even 
larger than in the experiment described in the previous section (Figure 20 d)) which is a strong indication 
of combustion occurring inside the separation zone.  


Due to the extremely high heat load in the boundary layer separation zone (thermocouple 6 records a wall 
temperature approaching 1600 K!) melting of the wall of the SICTO occurred during the experiment. 
Figure 22 shows the bottom side of the SICTO after this experiment. Both the location and the shape of 
the damage indicate that it is caused by the extremely high heat load resulting from combustion occurring 
inside the boundary layer separation zone. 


 


Figure 22: The extremely high heat load in the boundary layer separation  
zone resulted in local melting of the SICTO surface. 


In contrast to the experiment described in the previous section, the normal video image shown in Figure 
21 f) also shows a hazy plume above the second cone which also indicates that combustion is occurring on 
the top side. The temperature histories recorded at the top side as shown in Figure 19 f) also show clear 
evidence of combustion occurring. However, the curves of the recorded temperature fundamentally differ 
from those showing combustion occurring at the bottom side, as shown in Figure 19 c) and e). In the 
present experiment significant temperature rises are recorded for thermocouples 6 through 8, but not for 
thermocouples 4 and 5 which are located at the boundary layer separation zone. Unfortunately, 
thermocouples 5, 6 and 7 failed at some point during the hydrogen injection phase. Upon hydrogen 
injection the largest temperature gradient is recorded by thermocouple 7 indicating that this is the location 
of the largest heat load. Moreover, the temperature decrease resulting from shutting off the hydrogen, as 
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recorded by thermocouple 8, is approximately 150 K, which is significantly larger than the other 
temperature decreases recorded at this location upon hydrogen shut-off. The above results suggest that a 
relatively large amount of hydrogen is burned, but apparently not inside the boundary layer separation 
zone. The shadowgraph image during the hydrogen injection shows that the size of the boundary layer 
separation zone is indeed only slightly larger when compared to the situation prior to hydrogen injection 
(Figure 21 e)) and very similar in size when compared to the situation during hydrogen injection in the 
experiment described in the previous section (Figure 21 d)), where no combustion at all occurred at the top 
side. From this, it is concluded that shock-induced combustion of hydrogen occurred in the inviscid flow 
field on the top side of the test object. 


4.0 CONCLUSIONS 


From the work presented in this paper the following conclusions may be drawn: 


• A shock-induced combustion experiment was designed based on extensive CFD and thermo-
mechanical analysis aimed at demonstrating that it is possible to inject a highly reactive fuel into a 
high enthalpy supersonic air flow without causing premature ignition and subsequently induce 
combustion of this mixture by a strong oblique shock wave. 


• Given the constraints of the TNO Free Jet Test Facility, an axi-symmetric double cone test object 
made from Inconel 617 was placed in a supersonic high enthalpy air flow. Hydrogen was injected 
through 6 double wedge ramp injectors located upstream of the second cone. The hydrogen would 
mix with the air flow over the remaining length of the first cone and would encounter a strong 
oblique shock wave, generated by the second cone, which would induce the combustion of the 
hydrogen air mixture. Three different second cone segments allowed variations of the strength of 
the oblique shock wave while the gas supply system of the TNO Free Jet Test Facility could be 
varied to allow various Mach numbers, stagnation temperatures and stagnation pressures of the 
supersonic air flow, as well as the injected hydrogen mass flow rate. The test object was equipped 
with 14 thermocouples to measure the test object wall temperature and 2 thermocouples to 
measure the gas temperature downstream of the shock-induced combustion zone. 


• After successful qualification of the TNO Free Jet Test Facility to provide a supersonic air flow 
with stagnation temperatures up to 1450 K, the test object was tested successfully during a full 
operational free jet experiment using nitrogen injection through the wedges into the supersonic air 
flow having a stagnation temperature of 1300 K. 


• A series of shock-induced combustion experiments was executed using the Mach 3.25 free jet 
nozzle and the 39º second cone angle segment in which the stagnation temperature of the 
supersonic air flow and the amount of injected hydrogen was varied. The experimental results 
obtained at three levels of stagnation temperature while injecting the same hydrogen mass flow 
rate have been described in detail. 


• Thermal expansion of the strut holding the test object introduced a small angle-of-attack of the 
test object of around 2º. Due to this the experiments revealed two modes of combustion: 


• At the bottom side, hydrogen was captured in the boundary layer separation zone which 
started to burn when the stagnation temperature of the air flow reached such a level that the 
combination of local static temperature and residence time in the separation zone was 
favorable for the initiation of combustion. This type of combustion resulted in the boundary 
layer separation zone to increase in size significantly combined with very high local heat 
loads. 


• At sufficiently high air flow stagnation temperature shock-induced combustion occurred at 
the top side of the test object in the inviscid flow field. This type of combustion did not affect 







Proof-of-Principle Experiment of a Shock-Induced Combustion Ramjet 


RTO-EN-AVT-185 8 - 23 


 


 


the size of the boundary layer separation zone and resulted in a peak heat load to occur 
downstream of the separation zone. 


• The experimental results therefore demonstrate that it is in principle possible to inject a highly 
reactive fuel into a high enthalpy supersonic air flow and subsequently induce combustion of this 
mixture by a strong oblique shock wave. The results also show that a small deviation in 
inclination of the test object with respect to the air flow may result in hydrogen to be captured and 
subsequently burned in the boundary layer separation zone resulting in extremely high local heat 
loads.  


With this, the feasibility of some of the critical aspects of a shock-induced combustion ramjet have been 
demonstrated. Presently, CFD analyses of the experiments are ongoing in order to improve the 
understanding of the experimental results. 


This research constitutes an important step forward in maturing the technology for hypersonic propulsion 
systems and is invaluable to improve the understanding and the assessment of combustion processes of 
hypersonic propulsion systems for future weapon and space launch systems. 


5.0 REFERENCES 


[1] Veraar, R.G. and Mayer, A.E.H.J., “High Speed Air Breathing Propulsion Systems Research and 
Development at TNO,” RTO-AVT Innovative Missile Systems Symposium, Amsterdam, The 
Netherlands, 15-19 May 2006. 


[2] Sislian, J.P., Martens, R.P., Schwartzentruber, T.E., and Parent, B., “Numerical Simulation of a Real 
Shcramjet Flowfield,” Journal of Propulsion and Power, Vol. 22, No. 5, 2006, pp. 1039-1048. 


[3] Veraar, R.G. and Mayer, A.E.H.J., “The Role of the TNO Free Jet Test Facility in Solid Fuel Ramjet 
Projectile Development,” AIAA-2005-3828, 41st AIAA/ASME/SAE/ASEE Joint Propulsion 
Conference & Exhibit, Tucson, Arizona, USA, July 2005. 


[4] Verreault, J., “Design of a Shock-Induced Combustion Experiment in an Axisymmetric 
Configuration with Hydrogen Injection,” Master Thesis, Faculty of Mechanical Engineering, Laval 
University, Quebec, Canada, 2007. 


[5] Verreault, J., deChamplain, A., Mayer, A.E.H.J., Veraar, R.G., Stowe, R.A., Farinaccio, R., and 
Harris, P.G., “Design of a Shock-Induced Combustion Experiment in an Axisymmetric 
Configuration with Hydrogen Injection,” AIAA-2007-5396, 43rd AIAA/ASME/SAE/ASEE Joint 
Propulsion Conference and Exhibit, Cincinnati, Ohio, USA , 8-11 July 2007. 


[6] FLUENT version 6.2.16, ANSYS Inc. (www.ansys.com), Canonsburg, PA, 2006. 


[7] ERCO Worldwide, “Hydrogen WHMIS Controlled Product,” Revision #2 
(http://www.ercoworldwide.com/documents/ hydrogen.pdf), August 16 2006. 


[8] COMSOL Multiphysics version 3.4, COMSOL AB, Stockholm (www.comsol.com), Sweden, 2007. 


[9] Settles, G.S., “Schlieren and Shadowgraph Techniques Visualizing Phenomena in Transport Media,” 
Springer, New York, 2001. 







Proof-of-Principle Experiment of a Shock-Induced Combustion Ramjet  


8 - 24 RTO-EN-AVT-185 


 


 


 








  


RTO-EN-AVT-185 9 - 1 


 


 


Scramjet Inlets 


Professor Michael K. Smart 
Chair of Hypersonic Propulsion 


Centre for Hypersonics  
The University of Queensland 


Brisbane 4072 
AUSTRALIA 


m.smart@uq.edu.au 


ABSTRACT 


The supersonic combustion ramjet, or scramjet, is the engine cycle most suitable for sustained hypersonic 
flight in the atmosphere. This article describes some challenges in the design of the inlet or intake of these 
hypersonic air-breathing engines. Scramjet inlets are a critical component and their design has important 
effects on the overall performance of the engine. The role of the inlet is first described, followed by a 
description of inlet types and some past examples. Recommendations on the level of compression needed 
in scramjets are then made, followed by a design example of a three-dimensional scramjet inlet for use in 
an access-to-space system that must operate between Mach 6 and 12. 
 


NOMENCLATURE 


A area (m2) 


Cf skin friction coefficient 


D diameter (m); Drag (N) 


fst stoichiometric ratio 


F stream thrust (N) 


Fadd additive drag (N) 


Fun uninstalled thrust (N) 


h enthalpy (289K basis) (J/kg) 


hpr heat of combustion (J/kg of fuel) 


Ht total enthalpy (298K basis) (J/kg) 


L length (m) 


mc mass capture ratio 


m&  mass flow rate (kg/s) 


M Mach number 


P pressure (Pa) 
Q heat loss (kJ) 
q dynamic pressure (Pa) 


T temperature (K); thrust (N) 


u,V velocity (m/s) 


x axial distance (m) 


φ equivalence ratio 


ϑ constant in mixing curve 


ηc combustion efficiency 


ηKE kinetic energy efficiency 


ηKE_AD adiabatic  kinetic energy efficiency 


ηo overall scramjet efficiency 


ηn nozzle efficiency 


 


Subscript 


c cowl 


comb combustor 


f fuel 


in inflow 


out outflow 


isol isolator 


n,N nozzle 


SEP separation 
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1.0 INTRODUCTION 


The desire for hypersonic flight within the atmosphere has motivated multiple generations of 
aerodynamicists, scientists and engineers. In the late 1950’s and early 1960’s it became clear that while 
rocket propulsion had the potential for access-to-space and the ability to reach many parts of the globe on 
ballistic trajectories, only an airbreathing propulsion system could facilitate practical hypersonic flight. 
Antonio Ferri1 aptly described the important differences between rockets and airbreathing engines as: 


1) The potential specific impulse of airbreathing propulsion is much larger than any chemical rocket, 
due to the fact it carries only fuel and not oxidiser. 


2) Structural weight of an airbreathing engine is larger for the same thrust than a rocket, because it 
must process air (oxygen and nitrogen) and have an intake, whereas the rocket has an oxidiser 
tank and pressurization system. 


3) The thrust of an airbreathing engine is a function of flight Mach number and altitude. Large thrust 
per unit frontal area can only be obtained in the dense atmosphere, while rockets can operate at 
high thrust per unit frontal area in a vacuum. 


4) The necessity for flight in the atmosphere introduces severe structural problems for the 
airbreathing engine associated with aerodynamic heating and vehicle drag. However, the vehicle 
has a greater potential for manoeuvring than a rocket traveling in a vacuum, through the use of 
aerodynamic lift. 


It was recognized at the time that a hypersonic airbreathing propulsion system could fulfill many roles that 
a rocket could not, including hypersonic cruise and recoverable space launchers. 


The airbreathing engine cycle best suited to hypersonic flight is the supersonic combustion ramjet, or 
scramjet. This type of engine can be properly viewed as an extension of the very successful ramjet engine 
cycle, which uses shock wave compression in the inlet in lieu of the compressor in a gas-turbine engine. In 
a ramjet, air entering the combustor is first decelerated to subsonic speeds, where fuel is injected and 
burnt, and finally expanded through a second throat to a thrust nozzle. As flight speeds increase above 
Mach 5, reducing the air to subsonic conditions produces two problems; (1) significantly increased shock 
losses in the inlet, particularly at the terminal normal shock, and (2) significantly increased flow 
temperatures in the combustor. The second of these problems not only creates material/structural issues in 
the combustor, but also leads to chemical dissociation in the nozzle expansion and a consequent energy 
loss from the engine cycle. 


The flight corridor for scramjet propelled vehicles, either for cruise or ascent to low-earth-orbit, is 
constrained at upper altitude by the need to operate the airbreathing engine, and at lower altitude by 
structural limits of the vehicle. Figure 1 gives an indication of these limits, and includes a suggested ascent 
trajectory for an airbreathing access-to-space vehicle, with turbojet operation up to Mach 3-4, scramjet 
operation up to Mach 15-17 and then rocket based propulsion for the final boost to low earth orbital 
velocity, which is approximately 7.9 km/s. 


This article is concerned primarily with the design of the compression system for scramjet engines. 
Efficient combustion of fuel requires that supersonic airflow be supplied to the combustor at a suitable 
pressure, temperature and mass flow rate. For a scramjet traveling at speeds greater than Mach 5 and at 
altitudes in the flight corridor of Fig. 1, this requires significant compression and heating of the air. For an 
airframe-integrated scramjet, both the vehicle forebody and inlet share this task. A multitude of different 
forebody/inlet configurations have been developed by many researchers2, each designed to generate a 
specified level of compression over a range of flight Mach numbers. The performance of such 
compression systems can be separated into two key parameters; (1) capability, or how much compression 
is performed, and (2) efficiency, or what level of flow losses does the forebody/inlet generate during the 
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compression process. Meaningful discussions of inlet performance must include both parameters as, for 
example, a highly efficient inlet can be very easily designed if it is required to do little compression.  


 


Figure 1: Hypersonic airbreathing flight corridor. 


Figure 2 shows a schematic of the internal flowpath of an airframe-integrated scramjet with particular 
reference stations highlighted. In keeping with the convention of Heiser & Pratt3, station 0 is in the 
freestream flow ahead of the vehicle, and a streamtube with area A0 captures the airflow processed by the 
engine. Station 1 is downstream of the vehicle forebody shock and represents the properties of the flow 
that enters the inlet. Station 2 is at the inlet throat, which is usually the minimum area of the flowpath, and 
the length between stations 2 and 3 is referred to as the isolator. Station 3 represents the start of the 
combustor (where fuel is added), and fuel and air is mixed and burned by the end of the combustor at 
station 4. The nozzle includes an internal expansion up to station 9, and an external expansion to station 10 
at the end of the vehicle. 


100 1 2 3 4 9


External expansionForebody Inlet Isolator
Combustion


chamber Nozzle


 


Figure 2: Flow stations in a scramjet engine. 


Performance analysis of scramjet inlets involves the determination of the flow conditions at the inlet throat 
(station 2 of Fig. 2). A common parameter used to quantify the efficiency of the forebody/inlet 
compression is the kinetic energy efficiency, ηKE. The usefulness of this parameter, compared to many 
others, is that it can be used for non-ideal gas processes, and that its value has been found to be relatively 
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independent of flight Mach number for a particular class of inlets. The definition of ηKE is the ratio of the 
kinetic energy the compressed flow would achieve if it were expanded isentropically to freestream 
pressure, relative to the kinetic energy of the freestream, and is most easily described on a Mollier diagram 
(Fig. 3). Here the flow entering the engine is compressed from p0 to p2. During the compression there is 
heat loss to the forebody/inlet structure, and: 
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Figure 3: Mollier diagram of inlet compression process. 


In some instances the adiabatic kinetic efficiency, ηKE_ad is used. This parameter does not account for heat 
loss to the structure, and is defined as: 
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When conducting scramjet performance calculations, two common methods for determining the properties 
at the inlet throat are; (1) use an empirical relation for ηKE or ηKE_AD in combination with a capability 
parameter, and (2) use CFD to perform a numerical simulation of the forebody/inlet flowfield. An 
empirical correlation for ηKE_ad developed by Waltrup4 in terms of the ratio of throat Mach number to 
freestream Mach number, M2/M0, is as follows: 
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This expression relates inlet efficiency to an inlet capability parameter, M2/M0, so it satisfies the 
requirement for being a useful relation. Figure 4 compares eqn. 3 against experimental data and 
computational solutions for a range of inlet geometries at hypersonic conditions. Based on Fig. 4 it 
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appears that for higher compression level inlets, eqn. 3 is conservative. For M2/M0 < 0.5 the current author 
uses the empirical fit also shown in Fig.4. 
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Figure 4: Inlet efficiency data compared to a number of correlations. 


This article first describes the general types of inlets that are applicable to hypersonic flight. Next some 
example systems are described and commented upon. A key question in any scramjet design is “how much 
compression should a scramjet inlet do?” This issue is examined and some recommendations made. 
Finally, a test case involving the design of a 3-D inlet for a scramjet based access-to-space vehicle is 
described. 


2.0 SCRAMJET INLET TYPES AND EXAMPLES 


Hypersonic inlets used in scramjets fall into three-different categories, based on the type of compression 
that is utilized. These three types are (i) external compression, (ii) mixed compression and (iii) internal 
compression. A schematic of an external compression inlet is shown in Fig. 5. Here, as the name suggests, 
all the compression is performed by flow turning in one direction by shock waves that are external to the 
engine. These inlet configurations have large cowl drag, as the flow entering the combustor is at a large 
angle relative to the freestream flow, however, external compression inlets are self-starting and spill flow 
when operated below the design Mach number (this is a desirable feature for inlets that must operate over 
a large Mach number range). A schematic of a mixed compression inlet is shown in Fig. 6. Here the 
compression is performed by shocks both external and internal to the engine, and the angle of the external 
cowl relative to the freestream can be made very small to minimize external drag. These inlets are 
typically longer than external compression configurations, but also spill flow when operated below the 
design Mach number. Depending on the amount of internal compression, however, mixed compression 
inlets may need variable geometry in order to start. A schematic of an internal compression inlet is shown 
in Fig. 7. Here all the compression is performed by shock waves that are internal to the engine. This type 
of inlet can be shorter than a mixed compression inlet, but it does not allow easy integration with a 
vehicle. It maintains full capture at Mach numbers lower than the design point, but its most significant 
limitation is that extensive variable geometry is always required for it to start. 
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Figure 5: External compression inlet (Heiser and Pratt3). 


 


Figure 6: Mixed external and internal compression inlet (Heiser and Pratt3). 


 


Figure 7: Internal compression inlet (Heiser and Pratt3). 


Figure 8 shows a number of inlet configurations that have been developed as part of scramjet engine 
research since the 1960’s. The pod-type Hypersonic Research Engine (NASA Langley 1964-70 – Ref. 8) 
included an axisymmetric translating-spike inlet leading to an annular combustor. It was designed for 
Mach 5-7 operation and has a clear connection to gas-turbine heritage. The external drag of this 
configuration was found to be too high to generate positive net thrust. The sidewall compression inlet 
configuration (NASA Langley 1975-85; Ref. 9) was designed to integrate smoothly with a hypersonic 
vehicle as a series of modular ducts. It had a fixed geometry (self-starting), mixed compression inlet. 







Scramjet Inlets 


RTO-EN-AVT-185 9 - 7 


 


 


Numerous incarnations of this inlet have been tested by many groups. The SCRAM missile configuration 
(APL 1965-85; Ref. 10) had multiple 3-D streamline traced inlets designed to operate with fixed geometry 
between Mach 3-8. Another missile configuration, known as the Dual Combustion Ramjet (APL 1975-95; 
Ref. 11), was an axisymmetric engine that included multiple subsonic and supersonic inlets designed to 
operate between Mach 3-8. Here the subsonic inlets were used to supply very hot gas to a fuel ignition 
region, while the mixed compression supersonic inlets operated in the conventional way. The inlet on the 
Hyper-X vehicle was a 2-D mixed compression inlet (NASA Langley 1996-2004; Ref. 12) that was a 
legacy configuration from the NASP Program. It included a rotating door to enable the inlet to start and 
also to allow close-off. 


 
 
 
 
 
 
 
 
 


 
 
 
 
 
 
 
 


 


Figure 8: Scramjet configurations. 


There are some key observations that can be made about all these configurations: 


1) All have mixed compression inlets. 


2) All were designed to operate over a range of Mach number. 


3) Only the HRE and Hyper-X inlets involved variable geometry. 


It is also clear that the geometry and operation of the inlet was a dominating feature of the overall scramjet 
configuration. 


3.0 COMPRESSION REQUIREMENTS 


A critical question in the design of a scramjet inlet is “how much compression is needed?” Too much 
compression can place extra system constraints on the inlet such as the need for variable geometry or 
boundary layer bleed, and can lead to large losses and external drag. Too little compression can make 
adequate ignition and combustion of fuel very difficult and lead to low cycle efficiency. In practice, the 
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optimal level of inlet compression for a particular application is dependent on numerous conflicting 
factors, the most important of which are: 


1) Overall scramjet cycle efficiency. 


2) Non-equilibrium effects in the nozzle. 


3) Need for robust combustion. 


4) Operability requirements (inlet starting, boundary layer separation, etc.). 


The remainder of this section involves a discussion of these factors. 


3.1 Scramjet Cycle Efficiency 
The level of compression performed by a scramjet inlet has important effects on the overall cycle 
efficiency (ηo) of the engine, which is defined as: 


 0un
o


air pr


F V
m h


η =
&


 (4) 


where Fun is the un-installed thrust, V0 is the flight velocity, airm& is the airflow through the engine and hpr 
is the heat release available from complete combustion of fuel and air (120 MJ/kg for hydrogen). It is 
therefore instructive to perform a general study of how compression level effects ηo. In the current article 
this will involve the use of stream thrust based methods for the calculation of scramjet performance first 
introduce by Curran and Craig13.  


3.1.1 Stream Thrust Based Performance Methods 


The performance of a scramjet engine, either uninstalled or when integrated on a hypersonic vehicle, is 
most easily determined by what is called stream thrust analysis. This technique conserves the fluxes of 
mass, momentum and energy on strategically placed control volumes to determine the propulsive forces 
on the vehicle. Figure 9 shows a schematic of a control volume that moves with and surrounds a 
hypersonic vehicle powered by a scramjet engine. Airflow enters the control volume at the flight 
conditions, fuel is added to the air in the combustor and the flow exits through the vehicle nozzle. For ease 
of analysis, the flow exiting the control volume is usually represented by a flux-conserved one-
dimensional average of the real non-uniform exhaust plume. 
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Figure 9: Schematic of control volume used for scramjet performance analysis. 
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For steady state flow through the control volume of Fig. 9, Newtons 2nd Law can be used to equate the 
summation of the axial forces on the control volume with the axial momentum flux across its surface, 
yielding the following relation for the uninstalled thrust of the engine, Fun,: 


 ( )un out out f in out in in in in addF p A m m V p A m V F= + + − − −& & &  (5) 


 
where un v exT F D D= − −  , and the spillage (Fspill) and plume (Fplume) drag have been combined into a 
single force called the additive drag (Fadd). Using the definition of stream thrust, F pA mV= + & , we can 
express eqn. 5 as: 


 un out in addF F F F= − −  (6) 
 
Equation 6 indicates that the uninstalled thrust of an engine can be determined with knowledge of the 
stream thrust of the air entering the engine, the additive drag, and the stream thrust of the flow exiting the 
engine. The flow enters the engine at ambient conditions and at the flight velocity, so calculation of Fin 
reduces to a determination of the freestream capture area. Air spillage (and therefore spillage drag) 
decreases as the vehicle speed approaches the design point of the engine, and the plume drag varies 
depending on the amount of under-expansion in the nozzle. Both these forces are usually estimated 
through CFD analysis or through rules-of-thumb based on empirical or experimental databases. 
Determination of Fout requires an involved analysis that follows the air through the complete scramjet 
flowpath. 


3.1.2 Scramjet Cycle Calculations 


To illustrate the effect of compression level, a sample study was performed to calculate overall scramjet 
efficiency over a range of flight Mach numbers between 6 and 12. The assumptions made in the analysis 
were as follows: 


1) Flight dynamic pressure, q0 = 50 kPa. 


2) Atmospheric static temperature, T0 = 220 K. 


3) Engine mass capture, airm& = 0.5 kg/s, with no spillage. 


4) Negligible additive drag, Fadd = 0.0 N. 


5) No heat loss to the inlet or the nozzle. 


6) Gaseous hydrogen fuel at Tf = 300 K (hpr = 120 MJ/kg). 


7) Normal fuel injection (no thrust from fuel). 


8) Circular combustor with length, Lcomb = 0.4 m and area ratio, A4/A2 = 2.0. 


9) Combustor skin friction coefficient, Cf = 0.002. 


10) Combustor heat loss calculated using Reynolds analogy and Twall = 500 K. 


11) Isolator length, Lisol = 0.15 m. 


12) Nozzle expansion area ratio, A10/A0 = 1.5. 


At each flight Mach number, Fun and ηo were calculated for increasing compression level by separating the 
engine cycle into three processes;i.e. compression, combustion and expansion as described below. 







Scramjet Inlets  


9 - 10 RTO-EN-AVT-185 


 


 


Compression 


A complete definition of the compression process requires both a compression level and an efficiency to 
be defined. In this study the desired compression level was specified in terms of an inlet temperature ratio, 
ψ = T2/T0, and the corresponding efficiency is determined from the ηKE_ad curve plotted in Fig. 4. Given 
these two parameters, the flow properties at the exit of the inlet were determined by accounting for real 
gas effects through the use of calls to equilibrium air computer routines. Figure 10 shows plots of the 
ηKE_AD, M2, Prat = P2/P0 and Arat = A0/A2 calculated in this way, with a variation of temperature ratio 
between ψ = 3 and 10. For flight at Mach 6, the maximum temperature ratio was limited to ψ = 5, as 
higher temperature ratio led to the throat Mach number approaching sonic. This phenomenon also limited 
ψ to 7 and 9 for flight at Mach 8 and 10, respectively, while the Mach 12 flight case included the full 
range of ψ from 3 to 10. The adiabatic kinetic energy efficiency curves in Figure 10(a) show the expected 
reduction in ηKE_AD as ψ increased for all flight Mach numbers, with ηKE_AD improving as flight Mach 
number increased. The throat Mach number, compression ratio and contraction ratio curves plotted in 
Figs. 10(b) – (d) show a decreasing M2 with greater ψ, and increasing Prat and Arat with greater ψ. An 
interesting point to note is that for a given inlet temperature ratio, the compression ratio generated is 
greatly increased by improved inlet efficiency. Finally, the inlet exit pressure, P2, is plotted in Fig. 10(e). 
For inlets that have efficiencies close to the curve used in this study, P2 can become very high (of the order 
of 2.5 atmospheres) for the higher ψ values used in this study. 
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Figure 10: Plots of inlet performance parameters for M = 6-12 and ψ = 3-10. 
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Combustion 


The processes of fuel addition, fuel/air mixing and combustion were modelled in this study using a stream 
thrust based cycle analysis that conserves mass, momentum and energy with the assumption of quasi-one-
dimensional flow. Both pure supersonic combustion and dual-mode combustion (combined 
subsonic/supersonic) were modelled using the methodology described in Ref. 14. At conditions where the 
combustion generated pressure rise was such that flow separation occurred, a diffuser model15 was used to 
estimate the effects of the shock train that forms upstream of fuel injection. This model enabled engine 
operability limits to be established, and the maximum fuel level was limited in these instances. The 
combustor flows of interest were modelled as mixtures of thermally perfect gases that were in 
thermodynamic equilibrium. Furthermore, the combustion of fuel was assumed to be “mixing limited”, 
meaning that once the fuel was allowed to mix with the air, the mixture immediately went to an 
equilibrium state of fuel, air and combustion products. 


Figure 11 shows a schematic of a scramjet combustor with air entering from the left at station 2, fuel 
injection at station 3, and combustion products exiting to the right at station 4. The gross parameters for 
the air entering the combustor are mass flow rate, 2m& , stream thrust, F2, and total enthalpy, HT2. The 
incoming flow area is A2. The gross parameters associated with fuel injection are fuel flow rate, fm& , fuel 
stream thrust, Ff, and fuel total enthalpy, HTf. As the fuel/air mixture travels downstream, a proportion of 
the fuel is allowed to react with the air, and the gross parameters of the flow are calculated by conserving 
mass, momentum and energy using a control volume analysis associated with incremental steps of length 
Δx along the combustor. Through calls to thermodynamic equilibrium routines, state properties and the 
velocity are determined at all stations along the combustor. 


 


Figure 11: Schematic of the combustor analysis. 


In a typical combustor calculation the area distribution of the combustor was specified a priori. The 
amount of fuel that was allowed to react with the air at a particular station was dictated by a combustion 
efficiency curve, ηc(X), that took the form: 


 , 1 ( 1)c c tot
ϑη η
ϑ


⎡ ⎤Χ
= ⎢ ⎥+ − Χ⎣ ⎦


 (7) 


where ηc,tot is the combustion efficiency at the end of the combustor, Χ = (x-x3)/(x4-x3) and ϑ is an 
empirical constant of order 1 to 10 which depends on the rate of mixing3. For the current study ηc,tot was 
set to 0.8 at all times and a value of ϑ = 5.0 was used. These values correspond to robust operation of the 
engine. The proportion of the fuel that has not mixed with the air was considered to be inert, and was 
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included as un-reacted species in the thermodynamic equilibrium calls. The incremental area change (ΔA) 
across a control volume of length Δx is known from the area distribution, and incremental changes to the 
stream thrust and total enthalpy from fuel combustion, friction forces, pressure forces and heat loss were 
calculated to determine the stream thrust and total enthalpy of the flow exiting the control volume. The 
analysis started at station 2, and marched along the combustor until station 4 was reached. Some iteration 
was required for cases where dual-mode combustion occur19.  


Figure 12 shows example plots of properties through the combustor for the case of M0 = 8.0, ψ = 6.0, 
where x = 0.0 m is at the exit of the inlet (station 2), fuel is injected at the end of the isolator (x = 0.15 m) 
and the combustor has an area ratio of 2.0. The diameter of the combustor for this flight Mach number and 
compression level was Dcomb = 0.026 m. Flow entered the isolator at Mach 2.56 and decelerates slowly due 
to wall friction. Fuel injection led to an instantaneous change in the 1-D properties, after which the 
combustion started to occur. Combustion along the expanding duct led to a drop in Mach number, an 
increase in temperature, and a smoothly varying pressure in response to the competing effects of 
combustion heat release and area increase. The peak pressure and temperature in the duct were P/P2 = 2.57 
and T/T2 = 1.94, and the minimum Mach number was M = 1.32. The analysis supplied the 1-D properties 
exiting the combustor to the nozzle expansion model. 
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Figure 12: Example results of the combustor analysis. 


Nozzle Expansion Model 


The nozzle expansion was assumed to be defined by a fixed exit area ratio of A10/A0 = 1.5 which was 
different for each flight Mach number. This typically resulted in significant under-expansion (P10 > P0) for 
all flight conditions. Losses in a scramjet nozzle are due to non-equilibrium chemistry (nozzle freezing), 
flow angularity and viscous effects. These were modelled here by the use of a nozzle efficiency, ηn, which 
was applied as a gross thrust coefficient as follows: 
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1) Given the conditions at station 4, expand the flow isentropically assuming chemical equilibrium 
from A4 to A10 to obtain F10,isentropic. 


2) Apply the nozzle efficiency to the ideal stream thrust increment between stations 4 and 10; i.e. F10 
= F4 + ηn [F10,isentropic – F4]. 


3) Assuming no heat loss in the nozzle, calculate the remaining flow properties at station 10 
consistent with F10. 


A value of ηn = 0.9 was used in the study. 


The results of the cycle calculations performed for this study are plotted in Fig. 13 in terms of the engine 
overall efficiency. At each flight Mach number there was a ψ that supplied an optimum ηo. This varied 
between ψ = 4-5, suggesting that classical thermodynamic analyses that indicate scramjet cycle efficiency 
increases continuously with inlet compression level are not applicable in this case. This may be due to the 
use of a divergent scramjet combustor wit han area ratio of two. This result, however, is a good one for 
inlet designers, as the higher the inlet compression level the more difficult it becomes to design an 
operational inlet. 
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Figure 13: Overall scramjet cycle efficiency. 


3.2 Non-Equilibrium Nozzle Effects 
While it was shown in the last section that there is an optimum inlet compression level to produce 
maximum cycle efficiency, the analysis used to derive this result made use of equilibrium gas properties. 
This assumption is reasonable for calculating scramjet performance, except when the temperature of the 
flow entering the nozzle is too high. As inlet compression increases, the temperature of the flow entering 
the combustor rises. Combustion of fuel and air raises the temperature considerably higher, such that at the 
start of the nozzle, some portion of the oxygen and nitrogen in the air may be dissociated, and furthermore, 
some portion of the combustion product (H2O in the case of hydrogen-air combustion) remains unformed. 
In the rapidly expanding nozzle process, recombination of the air and steam does not have time to fully 
occur, and a portion of the energy available from combustion is not realized. 
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Figure 14 shows a plot of the temperature at the combustor exit (T4) for all conditions calculate in section 
3.1. For the 3 flight Mach numbers where the engine was fuelled at an equivalence ratio of 1.0 (Mach 8, 
10 and 12), flight Mach number (and therefore total enthalpy) did not have a large effect on T4. The main 
factor that determined T4 was ψ, which for example led to an increase in T4 for Mach 10 flight from 2400 
to 2700K for variation of ψ from 3 to 8. Mole fractions of N2, O2 and H20 at the combustor exit are shown 
in Fig. 15 for Mach 8, 10 and 12. For clarity, the species mole fractions are normalized by their values if 
no dissociation has occurred and if the combustion reaction was fully completed. It is interesting to note 
that there was not a great deal of dissociation of N2 and O2. The main phenomenon which did show 
dependence on compression level was the percentage of H20 present. This reduced from 90.4% for ψ = 3 
to 79.7% for ψ = 9 for the Mach 12 case, and from 95.5% for ψ = 3 to 94.0% for ψ = 8 for Mach 8. For 
the worst case of frozen flow in the nozzle, these calculations would indicate that up to 10.7% of the 
energy of combustion would not be realized at high compression level. Fortunately the percentage of H20 
present at the optimum compression level indicated by the equilibrium analysis of section 3.1 (ψ = 4-5) 
indicated that non-equilibrium effects in the nozzle should not be too detrimental. 


Ψ


T4


3 4 5 6 7 8 9 10


1600


1800


2000


2200


2400


2600


2800


3000


Mach 12
Mach 10
Mach 8
Mach 6


 


Figure 14: Static temperature at the entrance to the nozzle. 
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Figure 15: Species mole fractions at the entrance to the nozzle. 


3.3 Robust Combustion Requirements 
Due to the high velocity of the air flow through a scramjet, the combustion processes must be rapid in 
order to be completed before the air exits the engine. To determine the limitations that this places upon 
combustor design, combustion modelling is typically separated into an initial time for ignition, and a 
further time for the combustion reaction to be completed. A corresponding length can be calculated for 
these processes (using a representative flow velocity), and these lengths (along with the mixing 
requirements) supply design criteria for scramjet combustor geometry. As the drag and heat load of the 
combustor have been found to be important parameters for overall scramjet system design, combustors 
should be as short as possible. Ignition and reaction times for H2/Air combustion can be estimated using 
the correlations of Pergament16. Given a representative combustor velocity of 2400 m/s and a local 
equivalence ratio between 0.2 and 2.0, the length required for ignition and reaction were calculated for a 
range of static temperatures and pressures as shown in Fig. 16. As can be seen, ignition length depends 
mainly on temperature, while reaction length depends strongly on both temperature and pressure. 
Representative values of ignition and reaction length are shown in Fig. 16 for a temperature of 1200K and 
pressures of 50 and 100 kPa. 
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Figure 16: Ignition and reaction lengths of hydrogen assuming a combustor velocity of 2400 m/s. 


Through the design of many scramjet systems it has been found that a successful solution to combustor 
design can be found by dealing with ignition and reaction separately. Short H2/Air ignition length requires 
temperatures well above 1000K, while lower temperatures are acceptable to complete the reaction, as long 
as a minimum pressure exists (typically ~ 50 kPa). This has led to flowpath designs that utilise an ignitor 
system to locally create the temperatures required for ignition (steps, cavities, spark plugs), but have an 
overall inlet compression level dictated by the need for a pressure high enough to complete the 
combustion reaction in an acceptable length. In terms of the inlet design, therefore, the important 
requirement is simply the need to supply a minimum static pressure at the exit of the inlet. This pressure 
level is dictated by the combustor length available to complete the combustion reaction. 


3.4 Operability limits 
In the design of hypersonic inlets there are some key operability issues that must be addressed in order to 
arrive at a useful configuration. These are: 


1) Inlet starting limits. 


2) Boundary layer separation limits. 


3) Minimization of external drag. 


4) Performance at off-design Mach number. 


The process of establishing supersonic flow through the inlet, known as inlet starting, puts a significant 
constraint on the internal contraction ratio of hypersonic inlets. This can be overcome through variable 
geometry, however, the weight and complexity of such can significantly degrade the overall system 
performance of a scramjet engine. Figure 17 shows a plot of some experimental data on the self-starting 
internal contraction ratio limit of 2-D and 3-D inlet configurations, as well as a theoretical starting limit 
developed by Kantrowitz & Donaldson17. The key parameter for inlet self-starting is the Mach number at 
the plane of cowl closure, Mc. It can be seen from the experimental data in Fig. 17 that the starting limit of 
Kantrowitz & Donaldson is relatively accurate for 2-D inlet geometries, but is conservative for the 3-D 
inlets shown. In general, the self-starting limits of particular inlet classes are determined through 
experimental testing, and become more restrictive as Mc decreases.   
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Figure 17: Experimental data on starting limits for 2-D and 3-D inlet geometries. 


The desire for scramjet inlets to self-start, or need a minimum variable geometry to start, is a strong one 
when making choices about scramjet configurations for particular applications. This operability constraint 
leads to the desire for doing as little compression as possible. It is rare for the amount of internal 
contraction allowed by the self-starting limits to be enough on its own, so a mixed compression inlet is the 
most common. Inlet design issues related to starting remain a dominating constraint of all scramjet engine 
designs. 


The flow through any practical hypersonic inlet will be turbulent, and can be prone to boundary layer 
separation due to shock interactions. While minor separation may be acceptable, large-scale boundary 
layer separation can create blockage of the engine and inlet unstart. Inlet flows are therefore required to 
satisfy established boundary layer separation limits21. 


Shock boundary layer interactions are generally separated into two categories: 


1) Two-dimensional interactions such that those that occur at an unswept compression ramp or when 
a planar oblique shock reflects at a surface. 


2) Swept interactions, such as the interaction produced by a planar oblique shock wave as it sweeps 
across a flat plate from a perpendicular fin. 


For two-dimensional interactions, the pressure rise for incipient separation increases rapidly with Mach 
number. The following formulas are in general use: 


21.0 0.3SEPP MP = +   M < 4.5 


2.50.17SEPP MP =   M> 4.5 


Conversely, incipient separation of swept interactions is independent of freestream Mach number and 
occurs at a pressure ratio of PSEP/P ~ 1.5. 
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The minimization of external drag is an important aspect of the inlet design process. The external drag on 
the inlet will always be an important parameter when comparing the performance of different engine 
configurations, and the minimization of inlet external drag is one of the main drivers for airframe 
integration of scramjet engines. It also means that inlets with only external compression are not practical.  


Finally, most inlet design methods are based on a particular design Mach number, usually at the upper 
limit of the operational Mach number range. Adequate off-design performance; i.e. at Mach numbers 
lower than the design point, is required, otherwise the vehicle may never reach its design point. This is 
particularly important for scramjet engines that must accelerate over a large Mach range. 


3.5 Recommendation on Compression Level 
The preceding sections described analysis of the key factors that affect the choice of inlet compression 
level in a hydrogen fuelled scramjet. Contrary to other references3, overall cycle efficiency was not found 
to be strongly dependent on compression level. Whereas non-equilibrium effects in the nozzle and inlet 
operability constraints such as flowpath starting and boundary layer separation suggested a desire for a 
low compression level. The lower limit on compression level was supplied by the combustor pressure 
needed to complete the combustion reaction in a suitable length scale. So the recommendation of this 
study is to operate a scramjet with the lowest compression level that enables this to occur. 


4.0 EXAMPLE INLET DESIGN: 3-D MACH 6-12 SCRAMJET FOR ACCESS-
TO-SPACE APPLICATIONS 


The history of scramjet development has seen a progression from experiments to validate the existence of 
supersonic combustion, to simple axi-symmetric configurations that owed their “pod-type” shape to gas 
turbine heritage, and then to airframe integrated engines with 2-D inlets and rectangular combustors (such 
as Hyper-X). In recent times it has become clear that from an overall system perspective, a flowpath based 
on 2-D geometry may not be optimum for high thrust/weight or robust fluid-dynamic performance of the 
engine. Scramjet flowpaths with elliptical or round combustors have therefore been studied22,23. These 
engine concepts attempt to take advantage of: 


1) The inherent structural efficiency of rounded shapes. This potentially enables reduced structural 
weight. 


2) The reduced wetted area of elliptical cross-sections relative to rectangular shapes for the same 
cross-sectional or flow area. (Reduced wetted area lowers viscous drag and cooling requirements 
in the high dynamic pressure combustor environment.) 


3) The removal of the potentially detrimental fluid dynamic effects of corner flows in scramjet 
isolators and combustors. This may improve the back-pressure limits of the inlet/isolator, or 
alternatively, reduce isolator length requirements. 


A key enabling technology for the use of elliptical combustors in airframe-integrated scramjets is the 
design of hypersonic inlets with 3-D shape transition. For vehicles with essentially planar forebody 
shapes, the required transition is from a rectangular-like capture area to an elliptical isolator/combustor 
shape (noting that a circle is an ellipse with an aspect ratio of unity). A design process developed for these 
Rectangular-to-Elliptical Shape Transition (REST) inlets24 utilizes a quasi-streamline-tracing technique to 
produce an inlet with highly swept leading edges, a cut back cowl, and the desired shape transition to an 
elliptical throat. The REST inlets resulting from these procedures have almost 100% mass capture at the 
design Mach number, and operate below the design Mach number by spilling air past the cut back cowl. 
An important aspect of this computationally intensive design procedure is the ability to reduce inlet length 
until shock wave/boundary layer separation criteria are met.  
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A three-dimensional scramjet for access-to-space applications has recently undergone testing in the T4 
shock tunnel at The University of Queensland25. This flowpath is a REST configuration with a design 
flight envelope from Mach 6-12, and is a candidate engine for the airbreathing portion of a three-stage 
rocket-scramjet-rocket access-to-space system26. At the Mach 12 design point the RESTM12 engine 
operates as a pure scramjet, however in order to be effective at the lower end of its flight envelope, 
allowances have been made for dual-mode operation below Mach 7. A dimensioned schematic of the 
engine is shown in Fig. 18. The overall model was 1.98 m long and consisted of a forebody plate, REST 
inlet, elliptical combustor, and a short elliptical nozzle with a final area ratio of 8.0 relative to the inlet 
throat. The design of the inlet for this flowpath was a challenging problem, the details of which are 
described in the next section. 


 


Figure 18: Schematic of the RESTM12 engine model (dimensions in mm). 


4.1 REST Inlet Design for Mach 6-12 
The inlet geometry for the RESTM12 engine was generated using the 3-D inlet design tools of Ref. 7. This 
method combined a quasi-streamlinetraced inviscid technique with a correction for three-dimensional 
boundary layer growth, to design an inlet with nearly rectangular capture and a smooth transition to an 
elliptical throat. These techniques were applied with a design flight Mach number of 12, assuming the 
engine was installed on a vehicle with a forebody equivalent to a 6 degree wedge. So the Mach number of 
the flow entering the inlet was M1 = 9.113. The required inlet compression ratio was determined by the 
assumption of a flight dynamic pressure of q0 = 50 kPa and the requirement of a combustor entrance 
pressure high enough for completion of H2-Air combustion in the available length; in this case P2 = 50 
kPa. This corresponded to an overall compression ratio of P2/P0 = 100.8, and an inlet compression ratio 
P1/P0 = 22.25. The resulting inlet has a geometric contraction ratio of CR = 6.61, and an internal 
contraction ratio of CRI = 2.26. Inlets of this class have been shown in experiments to self-start at CRI 
values significantly higher than the Kantrowitz limit (Fig. 17). Based on these experiments, the lower limit 
for self-starting of the RESTM12 inlet was estimated to be M1 ~ 5.0.  


While the inlet design process was conducted at the maximum operational Mach number of the engine, its 
capability, mass capture and efficiency were determined over the full operational range using CFD. These 
CFD solutions were calculated with the NASA Langley code VULCAN27 on a 2 million cell grid using 
wall functions to model boundary layer phenomenon. A thermally perfect model was used for the air and 
flow was assumed to be turbulent from the forebody leading edge. Figure 19 shows the symmetry plane 
Mach number contours for the inlet when the vehicle is flying at M0 = 10, and q0 = 50 kPa, corresponding 
to M1 = 7.950. Note that the highly notched cowl allows flow spillage when M1 is below the design point 
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for the inlet (M1 = 9.113). The flow properties at the exit of the inlet were calculated using flux conserving 
methods. At this condition the flow pressure and temperature exiting the inlet were P2 = 54.64 kPa and T2 
= 1000. K. 
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Figure 19: Symmetry plane Mach number contours in the RESTM12 inlet at M0 = 10. 


Figure 20 shows the variation of the important inlet/forebody performance parameters over the full 
operational range. The inlet has full capture at its Mach 12 design point, dropping to mc = 0.81 at Mach 6. 
The overall pressure ratio at Mach 12 was slightly above the requirement of P2/P0 = 100.8, and this 
pressure ratio reduced steadily to 39.4 at Mach 6. Despite this large drop in pressure ratio, the flow 
pressure leaving the inlet at Mach 6 was P2 = 78.2 kPa. Interestingly, the efficiency of the inlet remained 
high over the full Mach range with ηKE_AD varying between 0.97 and 0.98. 
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Figure 20: RESTM12 Inlet capability parameters. 


5.0 CONCLUDING REMARKS 


The inlet configuration chosen for a scramjet is a dominating feature of the entire configuration. The 
choice of inlet type is strongly dependent on the requirements for the engine, particularly the Mach 
number range of operation the proposed flight trajectory. It was also shown that the compression level of a 
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scramjet inlet should be set by the minimum combustor pressure that allows completion of the combustion 
reaction in a length scale suitable for the application. Recent research indicates that three-dimensional 
configurations show considerable promise. 
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ABSTRACT 


Scramjet operation in the lower hypersonic regime between Mach 4 and 8 is characterized by what is 
called dual-mode combustion. In this situation disturbances generated by heat-release in the combustor 
can propagate upstream of fuel injection to affect the operation of the inlet. The method use to alleviate 
this problem is installation of a short duct between the inlet and the combustor known as an isolator. This 
article describes the flow phenomenon that exits in the isolator in these situations and presents some of 
the current methodologies and analysis techniques for scramjet isolator design. 


NOMENCLATURE 


A area (m2) 


cp specific heat (J/kgK) 


Cf skin friction coefficient 


D hydraulic diameter (m) 


fst stoichiometric ratio 


F stream thrust (N) 


hpr heat of combustion (J/kg of fuel) 


Ht total enthalpy (0K basis) (J/kg) 


M Mach number 


P pressure (Pa) 


Q heat loss to the structure (J/kg) 


R gas constant (J/kgK) 


Re Reynolds number 


s shock train length (m) 


T temperature (K) 


V velocity (m/s) 


x axial distance (m) 


φ equivalence ratio 


ϑ constant in mixing curve 


γ ratio of specific heats 


θ boundary layer momentum thickness (m) 


ηc combustion efficiency 


ρ density (kg/m3) 


τ shear stress (Pa) 


 


Subscript 


c core flow 


t total 


w wall 


1.0 INTRODUCTION 


Scramjet operation in the lower hypersonic regime between Mach 4 and 8 is characterized by what is 
called dual-mode combustion. Figure 1 shows a schematic of a scramjet powered vehicle operating in this 
way. In this instance, flow is compressed by shock waves in the forebody and inlet, and is supplied to the 
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combustor at supersonic conditions. Combustion of fuel with the incoming air generates a large local 
pressure rise and separation of the boundary layer on the surfaces of the combustor duct. This separation, 
which can feed upstream of the point of fuel injection, acts to further compress the core flow by generating 
a series of shock waves known as a shock-train. A short length of duct, called the isolator, is usually added 
to the scramjet flowpath upstream of the combustor to contain this phenomenon and stop it from 
disrupting the operation of the inlet. In some engines, the combination of diffusion in the isolator and heat 
release in the combustor decelerates the core flow to subsonic conditions. In this instance the core flow 
must then re-accelerate through Mach 1 in what is known as a thermal throat.  


 


Figure 1: Schematic of a scramjet operating in dual-mode (NASA). 


Dual-mode combustion can produce large pressure levels in the combustor and nozzle, generating high 
levels of thrust. This flow is affected by many parameters, including the state of the boundary layer in the 
isolator, the flow Mach number exiting the inlet, the area distribution of the combustor, and the position 
and number of fuel injection stations. As the separated regions on the surfaces of the isolator and 
combustor are seen by the core flow as blockage, scramjet engines operating in dual-mode can be thought 
of involving fluid-dynamic variable geometry. At speeds above Mach 8, the increased kinetic energy of 
the airflow through the engine means that the combustion generated pressure rise is not strong enough to 
cause boundary layer separation. Flow remains attached and supersonic throughout in the instance, and the 
engine operates as a pure scramjet.  


The article will first describe the flow structure that occurs in the isolator of a dual-mode scramjet. Next, a 
diffuser model applicable to the analysis of dual-mode scramjet combustion will be presented. Some 
results of the analysis will then be compared to experiments. 


2.0 FLOW STRUCTURE IN A SCRAMJET ISOLATOR 


The structure of the supersonic flow in confined ducts under the influence of a strong adverse pressure 
gradient is of interest in the design of scramjet isolators. As shown in the schematic of Fig. 2, the pressure 
gradient is imposed on the incoming supersonic flow in the form of shock waves. If there were no 
boundary layer, a normal would form in a plane. However, the presence of an incoming boundary layer 
produces a series of normal or oblique shocks that can spread the pressure rise over a length of many duct 
diameters. This phenomenon, known as a “pseudo shock”1 or “shock-train” is characterized by a region of 
separated flow next to the wall, together with a supersonic core that experiences a pressure gradient due to 
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the area restriction of the separation, forming a series of crossing oblique shocks in the core flow. A 
mixing region also grows between the core and separated flows, balancing the pressure rise in the core 
against the shear stress on the boundary of the separation. Finally, the flow reattaches at some point and 
mixes out to conditions that match the imposed back-pressure. Being able to predict the length scale of 
this flow structure is the key component of isolator design for dual-mode scramjets. 


 


Figure 2: Schematic of flow structure in an isolator. 


Important work on this phenomenon was performed by McLafferty2 in the 1950’s and by Waltrup and 
Billig3 in the early 1970’s. In this research it was observed that for a given imposed pressure rise (ΔP/P), 
the length over which the shock train spread varied with D1/2θ1/2 and inversely with (M2 – 1)(Reθ)1/4, where 
D is the duct diameter, M is the Mach number of the inflow, θ is the momentum thickness of the boundary 
layer and Reθ is the Reynolds number based on momentum thickness. Based on experiments in round ducts 
with incoming Mach numbers between 1.5 and 2.7, Waltup and Billig found that thicker boundary layers 
lead to longer shock trains,and developed the following empirical correlation for s, the distance over 
which the shock structure (or pressure rise) is spread: 


 
22 1/4


1/2 1/2


( 1)(Re ) 50 170s M P P
D P P


θ


θ
− Δ Δ⎡ ⎤ ⎡ ⎤= +⎢ ⎥ ⎢ ⎥⎣ ⎦ ⎣ ⎦


 (1) 


Figure 3 below, taken from Ref. 3, shows the form of the simple quadratic correlation in ΔP/P in 
comparison to the data used to develop the correlation.  
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Figure 3: Correlation of experimental shock train data3. 


It has been postulated by many authors that the pressure gradient experience by the core flow in the duct 
must be equal to the pressure gradient that can be supported by shear in the separated region. Based on a 
large amount of experimental data at different Mach numbers, Reynolds numbers and in different duct 
geometries, Ortwerth4 determined that the rate of pressure rise (diffusion) in a duct is directly proportional 
to the dynamic pressure of the incoming flow and the skin friction coefficient at the initial point of 
separation in the duct, and inversely proportional to the duct hydraulic diameter. From this he developed a 
diffuser model for separated flow in ducts which can be expressed as: 


 
2


0
89 ( )


2f
H


dP VC
dx D


ρ
≈  (2) 


where DH is the hydraulic diameter of the duct, Cf0 is the friction coefficient at the initial separation point. 
In essence, this relationship supplies the ability to determine a length scale over which pressure rise must 
be spread in a duct. It will be used in the next section of this paper as the extra equation needed to perform 
quasi-one-dimensional calculations of flow properties in separated ducts. 


3.0 DIFFUSER MODEL FOR SCRAMJET ISOLATOR FLOW ANALYSIS 


Analysis of the combustion process in a scramjet usually involves quasi-one-dimensional cycle analysis 
methods. While the real combusting flow in a scramjet is far from uniform at any cross-section throughout 
the engine, when used properly, these techniques provide an efficient means of modeling isolator and 
combustor region of a scramjet. While some methods simply jump from the start to the end of the 
combusting zone5, the method presented in this article enables prediction of the pressure distribution in the 
entire region of the engine affected by combustion, therefore enabling comparison with experimental 
pressure measurements. These methods follow directly from the classical quasi-one-dimensional 
gasdynamics presented by Shapiro6, with the addition of Ortwerth’s diffuser model to close the equation 
set. 


A differential element of the separated flow in a duct is shown in Fig. 4. Here the area of the core flow 
passing through the duct (Ac), is equal to the geometric area of the duct (A) if flow is attached, but is less 
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than A for separated flow. Fuel and air are burning in this element, and a friction force dFr = τwAw is 
applied by the walls, together with a heat loss in the amount dQ. For simplicity of analysis, the flow is 
assumed to be that of a calorically perfect gas with constant ratio of specific heats, γ, gas constant R, and 
specific heat at constant pressure, cp. Combustion heat release is modeled through the use of a heat of 
combustion, hpr, and the change in total enthalpy of the flow as it traverses the element is: 


 t pr stdH h f d dQφ= −  (3) 


where fst is the stoichiometric fraction of fuel to air, and dφ is the equivalence ratio of fuel that combusts in 
length dx. The corresponding change in the total temperature of the flow is therefore dTt = dHt/cp. The 
wall shear stress is related to a skin friction coefficient through τw = CfρV2/2, and Aw = 4Adx/D, where D 
is the hydraulic diameter of the duct.  


m&
V+dV 


m&


dFr 


M+dM


ρ+dρ 


T+dT


p+dp 


dQ


dx 


M 
V 


ρ 


P 
T Ac


A 


A + dA 


Ac + dAc 


 


Figure 4: Differential element of separated flow. 


The differential conservation equations of mass, momentum and energy for the element, are given by: 


 0c


c


dAd dV
V A


ρ
ρ


+ + =  (4) 
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2 2
f cC dx Adp M M dV


p D A V
γ γ


+ + =  (5) 
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2 2
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1 11
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t


dTdT dVM M
T V T


γ γ− −⎛ ⎞+ = +⎜ ⎟
⎝ ⎠


 (6) 


Note that these equations all apply to the core flow area, but friction and heat loss are based on the 
geometric area. Together with the equation of state for the gas and the definition of Mach number (in 
differential form): 


 0dp d dT
p T


ρ
ρ


− − =  (7) 
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2 2


2 2 0dM dV dT
M V T


− + =  (8) 


we have five equations to relate the eight variables. Following Shapiro6, area change (dA/A) and total 
temperature change (dTt/Tt) are treated as independent variables. If the flow is attached, this closes the 
equation set and all 1-D axial property distributions in the duct can be calculated as described by the 
influence coefficients of Shapiro. For separated flows, however, an extra equation is needed for the extra 
variable, Ac. This is supplied by Ortwerth’s diffuser relation (eqn 2). After a significant amount of 
algebraic manipulation of equations 2,4-7, the following differential relation for Mach number is obtained: 


 
2
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22


4( ) 1 /1
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f
t


cc t


dxC dTd M dp p DM AAMM T
AA


γ
γ


⎡ ⎤
⎢ ⎥−⎛ ⎞= − + + +⎢ ⎥⎜ ⎟


⎝ ⎠ ⎢ ⎥
⎢ ⎥⎣ ⎦


 (9) 


 
This related the change in Mach number to the amount of diffusion (dP/P), the amount of heat release 
(dTt/Tt), and the axial distribution of Cf. This must be integrated in conjunction with the following relation 
for Ac/A: 
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 (10) 


 
To determine the axial distributions of Mach number and Ac/A in ducts with specified area A(x) and prior 
knowledge of the heat release distribution, Tt(x) and Cf, these equations can be integrated with a standard 
ODE solver for multiple equations. 


This methodology will now be applied to a scramjet vehicle flying at Mach 7 and a dynamic pressure of 
50 kPa. In keeping with the notation of Heiser and Pratt7, station 0 is in the freestream flow ahead of the 
vehicle, and a streamtube with area A0 is captured and processed by the engine. Station 1 is downstream of 
the vehicle forebody shock and represents the properties of the flow that enters the inlet. Station 2 is at the 
inlet throat, which is usually the minimum area of the flowpath, and the length between stations 2 and 3 is 
referred to as the isolator. Station 3 represents the start of the combustor, and fuel and air is mixed and 
burned by the end of the combustor at station 4. The nozzle includes an internal expansion up to station 9, 
and an external expansion to station 10 at the end of the vehicle.  


Assuming a fairly typical forebody/inlet compression, the properties at the inlet throat (station 2) will be 
assumed to be M2 = 3.60, p2 = 50 kPa, T2 = 650 K, Ht2 = 2.35 MJ/kg. The axial distribution of properties 
in a round isolator/combustor duct with an initial diameter of 0.06m and a divergence with area ratio of 2 
will be calculated for different fuelling levels. The start of the isolator is assumed to be at x2 = 0.0 m, and 
hydrogen fuel (hpr = 120 M/kg) is injected at x3 = 0.2 m (the start of the combustor). The amount of fuel 
that is allowed to react with the air at a particular station is dictated by a mixing efficiency curve, 
ηc(Χ), that takes the form: 


 , 1 ( 1)c c tot
ϑη η
ϑ


⎡ ⎤Χ
= ⎢ ⎥+ − Χ⎣ ⎦


 (11) 


 
where ηc,tot is the combustion efficiency at the end of the combustor, Χ = (x-x3)/(x4-x3) and ϑ is an 
empirical constant of order 1 to 10 which depends on the rate of mixing7. For the current study ηc,tot was 
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set to 0.8 at all times and a value of ϑ = 5.0 was used. These values correspond to robust combustion in 
the engine. Making use of eqn. 11, the heat release curve is therefore: 


 ( )2 /t t pr st c pT T h f dQ cφη= + −  (12) 


 
Skin friction was calculated assuming a constant skin friction coefficient of Cf = 0.002 and heat loss to the 
structure (dQ) was calculated using Reynolds analogy and an assumed wall temperature of Tw = 600 K. 


Given the limitation of constant γ, R and cp in the analysis, eqns. 9 and 10 are integrated in sections along 
the duct. In the isolator section upstream of fuel injection, values of γ = 1.37, R = 287 J/kg/K and cp = 
1063 J/kg/K were used. In the combustor, average values of γ = 1.31, R = 297 J/kg/K and cp = 1255 J/kg/K 
were used, so as to model the properties of the real fuel/air/combustion products mixture which vary along 
the length of the combustor.  


Figure 5 shows calculated 1-D flow properties in the duct for fuelling at an equivalence ratio of φ = 0.5. In 
the isolator section of the duct the Mach number reduces and the pressure and temperature increase due to 
the action of friction on the duct surfaces. At the start of the combustor, flow properties are recalculated to 
be consistent with the values of γ and R used in the combustor integration, while conserving fluxes of 
mass, momentum and total enthalpy across the boundary between the isolator and combustor. Fuel is also 
added, and combustion along the duct leads to a drop in the Mach number, an increase in the temperature, 
and the pressure varies smoothly in response to the competing effects of combustion and area increase. 
The peak pressure and temperature in the duct are P/P2 = 2.19 and T/T2 = 2.61, and the minimum Mach 
number is M = 1.48. The analysis results in an estimate of the one-dimensional supersonic properties of 
the flow as it exits the combustor at x4 = 0.5 m. 
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Figure 5: Fuelling at φ = 0.5; attached flow through the isolator/combustor duct. 


As the fuelling level is increased, the pressure rise in the duct can reach the point where flow separation 
can occur. In the current analysis the well known separation criterion of Korkegi8 are used to determine if 
this occurs. When this does happen, an iterative technique is required to determine the axial position of 
separation, after which the core flow area is less than the geometric area until re-attachment occurs. It has 
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been found that in all instances there is a unique position for the separation point that allows the flow to 
re-attach smoothly in the divergent section. Furthermore, if the core flow reduces to subsonic conditions in 
the separated region, the flow re-attaches subsonically and then re-accelerates through a thermal throat at 
an axial position that can be calculated a priori, as outlined in Shapiro6. 


Figure 6 shows the calculated properties for a fuelling level of φ = 0.72. Here the pressure rise is high 
enough to separate the flow, and the analysis has been iterated to determine a separation point at x = 0.180 
m. The core flow begins diffusing at this point at a rate dictated by eqn. 2, reaching a minimum area of 
Ac/A2 = 0.822. Combustion of fuel acts to push the flow towards re-attachment, which occurs at x = 0.213 
m (downstream of fuel injection) with M = 2.027. After re-attachment the Mach number continues to drop 
to a minimum of M = 1.087, and the pressure continues to rise to a maximum of P/P2 = 3.51, after which 
the flow accelerates under the action of the increasing area to leave the combustor supersonically. 
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Figure 6: Fuelling at φ = 0.72; separated flow with a supersonic re-attachment. 


Figure 7 shows the calculated properties for a fuelling level of φ = 0.81. Once again the pressure rise is 
high enough to separate the boundary layer, but in this instance the increased combustion has pushed the 
separation well upstream of fuel injection to x = 0.099 m. Furthermore, the Mach number of the core flow 
has dropped below Mach 1 to form what is known as a “thermal throat”. After separation the core flow 
reduces in area to a minimum of Ac/A2 = 0.822 at the start of the combustor. The combustion then acts to 
push the core flow to re-attachment, and the Mach number drops through M = 1 with re-attachment at x = 
0.284 with M = 0.960. The pressure also peaks at the point of re-attachment at P/P2 = 4.24. The flow then 
re-accelerates through a thermal throat at x = 0.295 m and leaves the combustor supersonically. There is 
an important discussion in Shapiro6 on the nature of a thermal throat and the manner in which attached 
flow can pass through the sonic point. 
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Figure 7: Fuelling at φ = 0.81; separated flow with a thermally throated. 


A comparison of Figs. 5, 6 and 7 shows the upstream progress of the combustion influence with increasing 
heat release. For φ = 0.81, the separation is approximately half way along the isolator, and a designer 
would have to decide if extension of the isolator is justified to allow for increased combustion. 


While it is recognized that this analysis involves the significant assumption of a perfect gas, it does 
however contain all the physical attributes that are exhibited by real flows. Similar analyses of combustion 
flows using finite volume techniques and equilibrium chemistry are presented by Auslender & Smart9.  


4.0 CONCLUDING REMARKS 


The key feature of isolator design is the choice of the length required to “isolate” the inlet from influences 
propagating upstream from the combustor. Determination of this length requires modeling of separated, 
diffusing flows in internal ducts. The diffuser model of Ortwerth has been implemented here as part of a 
quasi-one-dimensional cycle code for the calculation of these flows. Given the distribution of heat release 
in the combustor and the isolator/combustor geometry, this code predicts the length of the upstream 
influence and hence the required isolator length.  
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1.0 INTRODUCTION 


Research into hypersonic flow phenomona has been conducted by numerous groups within Australia for 
over 40 years. The genesis of all the modern day work can be traced back to the return of the then Dr Ray 
Stalker from England, to take a faculty position in the Physics Department of the Australian National 
University, Canberra, in 1962. Dr Stalker had a keen interest in the aerodynamics of bodies travelling at 
speeds up to orbital velocity, and had devised a concept for generating such velocities in the laboratory 
through the use of a shock tunnel driven by free-piston compression. In the following years, Dr Stalker 
developed numerous facilities utilizing this concept, called free-piston shock tunnels, culminating in the 
commissioning of the T3 shock tunnel in 1968. A small group of researchers exploited the unique 
capabilities of T3, which was the first facility in which the product of test section density and model size, 
combined with the test section velocity, was such that the aerodynamic thermochemical phenomena 
generated at these elevated velocities were large enough to be measured. Bluff body shapes received early 
attention, as these shapes are typical of re-entry vehicles, and changes in the flow patterns due to 
dissociation thermochemistry were observed and analysed. Noting the interest in entry into the atmosphere 
of Mars, the bluff body studies were extended to include carbon dioxide flows, and because entry into the 
atmospheres of the large planets would involve ionisation, the effect of ionisation thermochemistry on 
bluff bodies was investigated. Dissociation thermochemical effects related to gliding re-entry vehicles also 
received attention, by studying the flow over an inclined flat plate, over a delta wing, and in the laminar 
boundary layer on a flat plate. The interaction of this boundary layer with a shock wave was also studied. 


Sufficient experience had been gained with T3 by 1980 to begin research on scramjet engines, which offer 
the prospect of propelling an aircraft at these very high velocities. By this time Professor Stalker had taken 
a chair at The University of Queensland in Brisbane, and began leading a small group of researchers in 
pioneering work on the performance of scramjet engines at speeds in excess of 2.5 km/s. This team visited 
T3 for a number of weeks each year until 1987, when a larger shock tunnel facility known as T4 was 
commissioned at The University of Queensland. Since 1987 the primary mission of T4 has been to study 
combustion processes in scramjets. Scramjet models tested in T4 have progressed from simple generic 
models of a constant area combustor with a simplified fuel injector, to sophisticated models that involve 
the complete scramjet flowpath and flight vehicles.  


This article describes some key aspects of the hypersonics research that has been performed at The 
University of Queensland. A short description of the operation of the T4 shock tunnel is followed by a 
discussion of some scramjet component research conducted in T4, and a description of research on 
complete scramjet flowpaths. A short summary of the HyShot 2 flight experiment is also included.  


2.0 THE FREE PISTON SHOCK TUNNEL T4 


T4 is shown in general arrangement in Fig. 1(a). A free piston is used to compress and heat the shock tube 
driver gas. A piston with a mass of 92 kg is normally used and, referring to the figure, is launched from 
the right-hand end of the compression tube, which is 26 m long and 228 mm in diameter, and initially 
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contains the shock tube driver gas. The piston is driven along the compression tube by the expansion of air 
initially contained in the piston driver reservoir, which has a volume of 1.2 m3 and a maximum working 
pressure of 14 MPa. The piston acquires kinetic energy as it is driven along the compression tube, and this 
energy is then passed to the shock tube driver gas as the piston slows down on approaching the left-hand 
end of the compression tube. The driver gas is adiabatically compressed to pressures which are a multiple 
of the initial pressure in the piston driver reservoir. A high pressure diaphragm, located at the left-hand 
end of the compression tube, spontaneously ruptures when the shock tube driver gas reaches a 
predetermined pressure. This initiates conventional operation of the shock tube, which is 10 m long and 75 
mm in diameter. The resulting shock wave in the test gas traverses the length of the shock tube and 
reflects from its left-hand end, where it ruptures a thin Mylar diaphragm to initiate the flow of test gas 
through the nozzle and test section. The shock heated test gas thus becomes the supply gas for the nozzle 
and test section flow, with a nozzle supply pressure which can somewhat exceed 50 MPa on a routine 
basis. This limit has recently been raised to 90 MPa. 


 


Figure 1: Free piston shock tunnel T4 at the University of Queensland: (a) general arrangement, 
(b) typical records of Pitot pressure, and nozzle supply pressure,  


(c) test time limit due to driver gas contamination. 


2.1 Test Times – Driver Gas Contamination of the Test Flow 
Typical records of test section Pitot pressure and nozzle supply pressure are shown in Fig. 1(b). A rule of 
thumb used in shock tunnel research is that the test flow must traverse three model lengths in order for the 
mainstream and boundary layer flows to effectively reach a steady state. The stagnation enthalpy of the 
figure (8MJ/kg) yields a flow velocity of about 3.5 km/s, indication that the flow would reach a steady 
state on a model 1 m long in 0.9 ms. Thus, the Pitot pressure record indicates that a steady-state flow 
persists for about 1.3 ms or 4.5 model lengths. However, the figure also shows the arrival of driver gas 
contamination of the test flow and, if the experiment in the shock tunnel demands uncontaminated test 
flow, then steady flow persists for only 0.5 ms, or 1.8 model lengths, and only test results obtained in this 
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time can be accorded unqualified acceptance. Thus, the useful test time in a shock tunnel may be 
determined by driver gas contamination, rather than by the time for which the nozzle supply pressure 
remained unchanged. 


Measurements of the time to contamination in T4 arc presented in Fig. 1(c). The measurements were first 
made using a time of flight mass spectrometer (Skinner 1994), and later with a shock detachment probe 
(Paull 1996). The latter was developed as a simple instrument for routine monitoring of the test flow, and 
works by choking a duct when the specific heat of the flow gas increases beyond a critical value. It will be 
noted that the 10% contamination test time is reduced to zero for stagnation enthalpies in excess of 15 
MJ/kg. It is thought that this may be due to turbulent mixing at the interface between the test gas and the 
driver gas in the shock tube. The peculiarities of the shock tunnel site demanded a length to internal 
diameter ratio of the shock tube of 133, instead of the value of 80-100 used in normal shock tunnel 
practice, and the extra length may have allowed extra mixing to take place. Notwithstanding this effect, it 
will be seen below that the test times available at stagnation enthalpies somewhat less than 15 MJ/kg have 
proven adequate for scramjet research. 


2.2 Fuel Supply 
Hydrogen fuel is used for almost all the tests performed to date, although both ethylene and gaseous 
kerosene have been recently used. Fuel is supplied to a model in the test section from a room temperature 
reservoir. For safety reasons, the capacity of the reservoir is limited so that if it were fully combusted in 
the test chamber it would reach a maximum working pressure of 10 MPa. The supply of fuel to the test 
section is controlled by a quick acting solenoid valve, which is slaved to the recoil of the compression tube 
to open and start fuel injection on the model approximately 10 ms before flow is initiated in the test 
section. Thus a constant rate fuel flow is established on the model before the test flow arrives. Fuel is 
injected through pre-calibrated orifices at the model, and the fuel flow is monitored by pressure 
transducers located as near to the injection orifices as is conveniently possible. 


3.0 THE TWO-DIMENSIONAL COMBUSTION WAKE 


The addition of fuel to a supersonic airstream in a duct, and the mixing and combustion which follows, 
will generate an increase in pressure along the duct. This pressure increase is at the heart of a scramjet, and 
leads to thrust generation in the expansion nozzle which follows the duct. To develop a knowledge of 
scramjets, it is important first to develop some understanding of the means of generating this pressure 
increase. This was done by studying combustion wake phenomena in relation to the pressure rise in a duct 
of rectangular cross section with a central injector spanning the duct, as shown in Fig. 2(a), to produce a 
flow which was essentially two-dimensional. The two-dimensional configuration was chosen because it 
offered relative simplicity for interpretation of experimental results, while recognizing that this 
configuration may not be the most efficient one in terms of, providing maximum combustion in minimum 
combustion chamber length. 
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Figure 2: Combustion wake studies: (a) schematic of 2-D combustion duct,  
(b) typical experimental duct with side plate removed (dimensions in mm). 


3.1 Wake Independent of Duct Height 
The mechanism by which the duct pressure rise is produced was investigated experimentally using the 
configuration of Fig. 2(b) (Wendt et. al. 1999). The precombustion pressure in the duct was 61 ±5 kPa, the 
Mach number was 4.4±0.2, the stagnation enthalpy was varied from 5.6 to 8.9 MJ/kg and the associated 
air velocity varied from 2.9 to 3.5 km/s, while hydrogen fuel was supplied from a room temperature 
reservoir at a velocity of 2.3±0.1 km/s. Duct heights of 30, 50 and 70 mm were used, and the fuel flow rate 
was maintained at a value corresponding to an equivalence ratio of one with a 30 mm duct height. 


The inset on the top right of Fig. 3 shows typical pressure distributions obtained when hydrogen fuel was 
injected into air and nitrogen. These were obtained under conditions corresponding to a precombustion 
temperature of 1480 K. The difference in the pressure distributions is ascribed to combustion, which 
clearly causes the fuel-air wake to produce a much greater pressure rise than the fuel-nitrogen wake. As 
indicated by the straight lines on the figure, the pressure increases linearly with distance downstream. 
Estimates of the ignition length for a hydrogen air mixture (Huber et. al. 1979) indicate that this length is 
less than an order of magnitude less than the length of the duct, indicating that the growth of the wake is 
governed by the process of mixing between hydrogen and air, rather than the reaction process. 
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Figure 3: Displacement effect of combustion wake (Pe = exit pressure; Pi = precombustion 
pressure; x = distance from injector; h = duct height; T = precombustion  


temperature; u = precombustion air velocity). 


A numerical analysis of this flow (Wendt et. al. 1999), based on the two-dimensional model of Fig. 2(a), 
found that the growth of the wake displacement thickness was responsible for the combustion induced 
increase in pressure along the duct and, the growth in displacement thickness was independent of the 
height of the duct. Figure 3 shows that, using the same combustion wake, a reasonable prediction can be 
made of the pressure rise along the duct by subtracting the sum of the displacement thicknesses of the 
wake and the boundary layers on the walls of the duct from the duct cross-sectional area, implying that as 
the duct height reduces, the mainstream experiences greater contraction and the pressure rise is increased. 
This model breaks down for the 30 mm duct at a temperature of 1230K, where it over-predicts the 
pressure rise but, for the less extreme conditions, it is possible to regard the development of the wake as 
decoupled for the associated pressure rise. 


3.2 Scaling of Supersonic Combustion 
Scaling studies are not only important for extrapolating from laboratory experiments to flight, but they can 
be helpful in revealing the dominant phenomena in a flow system. Experiments were done to compare the 
pressure distributions in the two ducts shown schematically in Fig. 4(a) (Pulsonetti 1997). To ensure the 
same composition of test gas entering the two ducts, the large duct was supplied with oblique shock 
recompressed flow from a Mach 8 shock tunnel nozzle and the small duct was supplied directly from a 
Mach 4 nozzle. The ducts were geometrically similar, but different in size by a factor of 5, the large duct 
height being 47 mm, and the small duct 9.4 mm. Precombustion pressures in the large duct varied from 25 
to 10 kPa, and from 101 to 32 kPa in the small duct, while the precombustion Mach number was 4.4±0.2, 
and the hydrogen fuel equivalence ratio was 1.3±0.2. 
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Figure 4: Scaling of supersonic combustion: (a) sketch showing relative scale of two 
combustion ducts, (b) pressure distributions (P1 = precombustion pressure,  
Pc = theoretical peak pressure, x = distance from injector, h = duct height). 


At each flow condition, the values of the product of the duct precombustion pressure and the duct height 
was the same for the two ducts. The results presented in Fig. 4(b) show that, by setting this product to be 
the same, identical normalized pressure distributions in the large duct and the small duct are obtained 
when the distance downstream of injection is scaled by the duct height. Thus, binary scaling applies to 
these flows, implying that small-scale experiments can be used as models of larger scale flows. 


The pressure distributions on the right-hand side of the figure indicate the effect of varying the 
precombustion temperature while the precombustion pressure remains approximately constant, as 
indicated by the nozzle reservoir pressure on the figure. The linear pressure distributions, with the pressure 
gradient reducing as the precombustion temperature increases, indicate mixing controlled growth of the 
combustion wake, as in Fig. 3. It might be noted that Fig. 3 is also associated with linear pressure 
distributions at precombustion temperatures as low as 1230K. 


The left-hand side of Fig. 4(b) indicates the effect of varying the precombustion pressure, as indicated by 
the values of nozzle reservoir pressure on the figure, while maintaining the precombustion temperature at 
1100+/-50K. The gradient of the pressure rise along the duct is somewhat reduced as the precombustion 
pressure falls, but the most notable feature of these pressure distributions is that they do not exhibit the 
linear characteristic of those at higher temperatures. This non-linearity is consistent with the expected 
rapid increase in the flow length for reaction, which occurs as the mainstream temperature falls to about 
the temperature of these pressure distributions. At these temperatures the reaction length is sufficiently 
large that, in comparison with the mixing controlled flows on the righthand side of Fig. 4(b), the 
combustion release of energy is delayed, allowing more mixing and creation of radicals to take place, 
before a delayed but rapid energy release and relatively steep pressure rise. Thus, the pressure distributions 
on the left-hand side of Fig. 4(b) represent examples of reaction-controlled combustion. 
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Reaction-controlled combustion wakes were observed in other experiments. It was found (Casey et. al. 
1992) that raising the precombustion pressure at a precombustion temperature of 1200K in the large duct 
would lead to the expected reduction in the combustion energy release delay but, as less mixing had then 
occurred, the combustion pressure rise was reduced. With a 25 mm duct height and precombustion 
pressures exceeding 150 kPa, the combustion energy release delay was further reduced (Stalker et. al. 
1996), but the pressure rise was such as to suggest substantial combustion energy release and hence 
enhanced mixing. This may have been associated with the occurrence of a normal shock which was 
observed in the fuel rich part of the wake (McIntyre et. al. 1997). Other experiments (Buttsworth 1994) 
have shown that the interaction between a shock wave and a wake can lead to enhanced mixing. 


An approximate combustion pressure rise may be calculated by using a Rayleigh analysis (Hall 1951), 
with the square of the Mach number much greater than one both before and after the heat addition zone, to 
yield 


 2/)1(1/ aQppc Δ−+≈ γ  (1) 
 
where pc = downstream pressure, ΔQ =combustion heat release, a = speed of sound and γ = ratio of 
specific heats.  


Equation 1 with ΔQ = 3.45 MJ/kg and γ = 1.3 provides an estimate of the resultant pressure levels if all the 
oxygen in the air entering the duct is burnt, and this level is shown in Fig. 4(b) for each pair of pressure 
distributions. The duct lengths are just sufficient for complete combustion, except at the highest pre-
combustion temperature, where it is expected that the combustion energy release was limited by partial 
dissociation of the combustion products. 


4.0 FORCE MEASUREMENT 


After a significant series of component experiments, some of which have been described here, Prof. 
Stalker and the group at The University of Queensland began to experiment with complete scramjet 
configurations. These involved the integration of the inlet, combustion duct and thrust nozzle into one 
complete model. The obvious measurement to initially make on such models is the net thrust (or drag) as 
this is the essential measure of installed scramjet performance. Such measurement demanded the 
development of a new shock tunnel measurement technique. 


In the shock tunnel, flow is initiated and forces are rapidly applied to the model, causing stress waves to 
occur that will, by reflection and re-reflection, traverse the length of the model many times before the 
model comes into stress equilibrium. It follows that the few flow model lengths of test time available in a 
sub-orbital shock tunnel were, in general, not sufficient for the model to come into stress equilibrium, and 
therefore that the overall forces acting on a model could not be measured by available force balance 
methods, since these treated the model as a rigid body. 


Fortunately, the stress waves which were the source of this difficulty can themselves be exploited to 
measure the force on the model. This is done by placing strain gauges on the model support system and 
recording the time history of the strain produced by the stress waves passing into the supports. 
Deconvolution of the strain records then would yield the forces on the model. For measurement of the 
thrust or drag of a slender body, supported from a downstream sting, a single strain gauge, recording the 
strain time history of stress waves passing into the sting, would yield a satisfactory measurement. 


The relation between the strain measured in the sting, u(t), and the axial force on the model y(t), can be 
described by the integral: 
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where G(t) is a pre-determined impulse response function, and t and τ  are time. The impulse response 
function can be determined numerically or by experiment, for example, by measuring the strain history 
resulting from application of a sudden increase in axial load on the model. The deconvolution of the 
integral of eqn. 2 to yield the axial force history, u(t), from the recorded strain history, y(t), is 
accomplished by a numerical procedure using a personal computer. 


The method was first applied to measurement of the drag on a relatively short cone, with 15o semi-vertex 
angle (Sanderson & Simmons 1991). In this case, the internal stress waves in the model were unimportant, 
but the stress wave balance was established as a viable method of measuring axial force. Subsequent 
measurements of drag were made on a 5o semi-vertex angle cone which was 425mm long (Tuttle et. al. 
1995, Tuttle 1996), where the internal stress wave reflections were significant, and yielded results 
consistent with theoretical estimates. The sensitivity of the method to the distribution of drag producing 
forces on the model was investigated numerically during this project leading to the conclusion that 
measured drag was independent of’ the force distribution on the cone. 


The numerical investigations just referred to included a case where the drag force was concentrated at the 
tip of the cone. The fact that this did not influence the measured drag was exploited to conduct an 
investigation of the effect of nose blunting on the drag of a 5o semi-vertex angle cone (Porter et. al. 1994). 
The tests were done at a stagnation enthalpy of 15 MJ/kg with a test flow in which driver gas 
contamination occurred, but was less than 30% of the test flow by molar concentration. It was found that 
the drag remained at a constant value when the radius of the blunt nose remained less that 0.12 times the 
radius of the base of the cone. This indicates that a moderate degree of nose bluntness could be used to 
accommodate nose tip heat transfer effects on scramjet inlets without directly affecting the drag. 


The stress wave force balance has also been used with a two-dimensional straight thrust nozzle in an 
exercise aimed at determining the influence of skin friction on thrust (Tuttle 1996). The nozzle had plane 
sidewalls, was 300 mm long and 54 mm wide, and had two thrust surfaces which were symmetrically 
disposed about the nozzle center-line, each with a divergence angle of 11o. The nozzle was supported by a 
two sting system, and was otherwise freely suspended immediately downstream of a fixed combustion 
duct, which supplied flow to the nozzle. Provision was made for fitting the thrust surfaces with 
transducers. Thus, the measured net thrust could be compared with the thrust obtained from measured 
pressure distributions to assess the thrust loss due to skin friction. It was found that this thrust loss was 
20% +/- 5% of the pressure thrust, and was consistent with approximate estimates using a skin friction 
coefficient of 3 x 10-3. These estimates indicated that approximately half the skin friction drag was 
associated with the nozzle walls, and therefore the skin friction drag on the thrust surfaces was roughly 
10% of the pressure thrust. However, the presence of combustion in the combustion duct did not 
measurably affect the skin friction drag, indicating that the combustion thrust increment, obtained by 
subtracting the fuel-off pressure thrust from the fuel-on pressure thrust, is not measurably affected by skin 
friction. 


The stress wave balance method was extended to simultaneously measure three components of force (Mee 
et. al 1996), and was used for experimental measurement of the lift, drag and pitching moment on a 15o 
semi-vertex angle cone 220 mm long, at angles of incidence which varied from 0o to 5o. Results were 
consistent with theoretical calculations, and led to use of the three-component stress wave balance for 
scramjet experiments. 
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5.0 INTEGRATED SCRAMJET FORCE MEASUREMENTS 


With the development of the stress wave balance for measuring axial force, it became possible to measure 
the thrust/drag performance of integrated scramjet configurations. The axisymmetric scramjet model 
shown in Fig. 5(a) was chosen for initial experimentation (Paull et. al. 1995). The model is shown with 
half the cowl removed. It consisted of an axisymmetric center-body, with six combustion chambers and 
associated intakes arranged about its periphery. These intakes consisted of compression ramps formed by 
the splitters which separate the combustion chambers. 


 


Figure 5: Integrated scramjet model: (a) model details (dimensions in mm),  
(b) time integrated photograph of model (3MJ/kg). 


5.1 Model Design 
Experiments with integrated scramjet configurations are more demanding of shock tunnel performance 
than the component experiments described so far. This is illustrated in the design of the scramjet model. In 
order to avoid the possibility of thermal choking at the lower end of the sub-orbital velocity range, a post 
combustion Mach number of approximately 2 was chosen which, with a constant area combustion duct 
and a heat release corresponding to stoichiometric combustion of hydrogen, implied a precombustion 
Mach number of approximately 4. This Mach number is a result of the inlet compression process. For a 
scramjet in atmospheric flight, where the static temperature is fixed, it would be necessary for the inlet 
compression process to yield precombustion temperatures and pressures which are high enough to assure 
ignition and burning of the fuel but, because the shock tunnel can supply an airflow at any reasonable 
freestream temperature, the temperature requirement can he relaxed. The function of the scramjet inlet 
compression process in a shock tunnel is therefore to raise the precombustion pressure to a suitable 
multiple of the freestream pressure. Choosing a value of 10 for this multiple, representing a reasonable 
thermal cycle efficiency, and an inlet compression process which took place through three oblique shocks, 
resulted in a freestream Mach number of 6 and an inlet contraction ratio of 4.8. Detailed intake 
considerations reduced the inlet contraction ratio to 4.4. The thrust nozzle expansion ratio is, through 
geometrical considerations, related to the inlet contraction ratio and, with the value of the inlet contraction 
ratio just quoted, the expansion ratio of the thrust nozzle was 5.8.  
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The value of the precombustion pressure must be sufficient for the combustion reaction and associated 
heat release to take place. For the hydrogen air reaction, Fig. 4 indicates that the value of the product of 
precombustion pressure and combustion chamber length should be approximately 15 kPa m. The length of 
the combustion chamber, at 0.06m, was limited by the model size, which was itself limited by the shock 
tunnel test time, and this combustion chamber length led to a required precombustion pressure of 250 kPa. 
Unfortunately, the shock tunnel nozzle supply pressure was limited to 40 MPa for these experiments and, 
with a freestream Mach number of 6, the precombustion pressure was limited to 100kPa. Thus the 
limitation of the shock tunnel nozzle supply pressure led to a precombustion pressure which was 
insufficient to sustain complete hydrogen air combustion. Or, to put it another way, the demands made by 
this integrated scramjet experiment exceeded the shock tunnel performance levels. 


However, by using hydrogen fuel mixed with silane (SiH4) as an ignition promoter, it was possible to 
reduce the pressure required for combustion. The results of central injector constant area combustion duct 
experiments with hydrogen-silane fuel mixtures (Morris 1989) indicated that, at the expected minimum 
scramjet model precombustion temperature of 800 K, the required value of the product of precombustion 
pressure and combustion chamber length was approximately 3 kPa m with a fuel mixture which included 
between 20% and 5% of silane by molar concentration. Assuming that, as with hydrogen fuel, the mode of 
injection would not significantly affect the combustion lengths, it was concluded that a fuel consisting of 
13%, silane and 87% hydrogen would undergo complete combustion heat release within the combustion 
chamber length at a precombustion pressure of 100 k Pa. 


Relatively large increases in pressure occur through the inlet compression process, and the boundary 
lavers must be able to negotiate these pressure increases without separation. Therefore, the Reynolds 
numbers on the forecone of the model should be high enough to ensure transition to a turbulent boundary 
layer. A study of transition on a flat plate in the shock tunnel (He and Morgan 1994) had yielded a 
transition Reynolds number which varied from 2.5 x 106 to 1.0 x 106 as the stagnation enthalpy increased. 
The corresponding forecone Reynolds numbers were 2.7 x 106 to 1.2 x 106 over the same range of 
stagnation enthalpies and this, together with the disturbances to the boundary layer generated by the 
compressions shocks, indicated that transition to a turbulent boundary layer would occur on the forecone. 
Figure 5(b) shows the scramjet model in operation in the shock tunnel. Flow luminosity on the forecone 
arises from flow compression by the conical shock formed on the forecone. The absence of the regions of 
high luminosity which would be associated with the strong shock waves resulting from choking is an 
indication that the inlet compression process is performing as designed. The high luminosity seen at the 
downstream end of the cowl is associated with the combustion region, and is thought to be due to silicon 
released during the combustion process. 


5.2 Performance of the Model 
The performance of the scramjet model in shock tunnel tests is presented in Fig. 6 in terms of the net 
thrust Coefficient, CTN. Two continuous lines are displayed, with associated experimental points, showing 
the comparison between experimental and theoretical values of the axial force, both with fuel injection and 
without fuel injection. The theoretical values were obtained by adding the calculated inviscid and viscous 
axial forces acting on the inlet, combustion chambers and the thrust nozzle. The consistency between the 
axial forces calculated in this manner and the measurements served as a check on the validity of the 
calculation. Fig. 6 also displays two broken lines. The lower one on the figure represents the fuel off drag, 
and is fitted by eye to the associated experimental points. This broken line was used to yield values of the 
drag coefficient, CD, for the upper broken line, which was obtained from theoretical calculations of the 
forces on the engine. These calcuations yield values of the net thrust coefficient which are generally 
consistent with the experimental results, with a tendency to somewhat underpredict the drag at stagnation 
enthalpies exceeding 4 MJ/kg. A positive thrust was obtained only at stagnation enthalpies below this 
level. 
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At stagnation enthalpies below 3.0 MJ/kg, unsteadiness in the thrust began to appear, and attempts to 
increase the thrust, either by further lowering the stagnation enthalpy or by increasing the fuel equivalence 
ratio led to choking of the scramjet inlet. This is unlikely to have been due to thermal choking of the 
combustion chambers, as eqn. 1 indicates that insufficient heat release is taking place, so the choking is 
attributed to boundary layer separation in the engine due to the combustion pressure rise.  


 


Figure 6: Performance of the axisymmetric scramjet model in  
the shock tunnel (U = velocity, H = stagnation enthalpy). 


5.3 Hydrogen Fuelled Scramjet Models 
The use of a silane-hydrogen mixture as fuel did indeed reduce the value of the pressure x combustion 
chamber length parameter required for essentially complete combustion, but it also increased the mixture 
molecular weight with respect to hydrogen, and therefore had the disadvantage that it reduced the fuel 
specific impulse. In an attempt to show experimentally that this reduction could be avoided, a scramjet 
model was designed in which combustion of hydrogen fuel would be encouraged, without the need for an 
ignition promoter (Stalker & Paull 1998). Figure 7 shows detail of one half of the model, which was 
symmetrical about the plane AA’ in the figure. This symmetry was necessary because, at the time the 
experiments were done, the force balance could only operate with axial loads. An inlet contraction ratio of 
5.2 was used, with the aim of producing a local region of high temperature and pressure and, to minimize 
choking tendencies when combustion occurred, was followed by a divergent combustion chamber. 
Hydrogen fuel injection took place at the minimum cross-section. It was found that, although the model 
flow started and ran during the shock tunnel test time with no fuel injection, the flow choked when the fuel 
flow was initiated before the shock tunnel flow, but ran when the fuel flow was initiated after initiation of 
the shock tunnel flow. A possible explanation for the choking effect may he that the injected fuel 
interacted with the shock tunnel nozzle starting flow to establish a choked flow which was subsequently 
maintained by combustion. Using the delayed fuel injection technique, it was possible to establish a steady 
flow with hydrogen combustion. 
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Figure 7: Hydrogen fuelled scramjet cruise model (dimensions in mm). 


In experiments at a stagnation enthalpy of 3.5 MJ/kg and a Mach number of 6.4, the thrust with 
combustion increased with equivalence ratio, and became equal to the drag as the equivalence ratio 
approached unity, thus achieving the cruise condition of net zero thrust or drag. By comparison with 
results of pressure measurements in a combustion duct thrust nozzle combination, it was conceded that 
combustion was taking place in the thrust nozzle (Stalker et. al. 2004, Stalker & Paull 1998) but as 
indicated by a measured fuel specific impulse of 835 seconds, a portion of the fuel did not burn. Thus, 
although the use of an ignition promoter had been avoided, the fuel specific impulse of hydrogen fuel had 
not been fully realized. It is worth noting that the fuel off drag coefficient was 0.183, which is similar to 
the drag coefficient of the axisymmetric scramjet model discussed above, and was again divided 
approximately equally between inviscid and viscous drag. 


6.0 INLET INJECTION AND RADICAL FARMING 


The integrated scramjet force measurements indicated that mixing and combustion of hydrogen could not 
be completed at the precombustion pressures and combustion duct lengths of the experiments in section 5. 
Not only did this limitation lead to development of the shock tunnel to increase operating pressure levels, 
but it also encouraged experiments on two concepts; one designed to reduce combustion duct lengths for 
complete combustion, and the other to explore a mode of combustion different from the diffusion flame 
modes considered so far. 


The first of these concepts involved injection of fuel on the inlet. Inlet injection has clear advantages in 
allowing mixing of hydrogen with air at the relatively low temperatures of the inlet before the mixture 
enters the combustion duct and ignites, thereby ensuring that the combustion process in the combustion 
duct is not delayed by the necessity for mixing. However, it was important to ensure that ignition did not 
occur prematurely, and thereby cause drag on the inlet due to the resulting combustion pressure increase. 
Experiments involving surface pressure measurements and shadowgraph flow visualization were done 
with injection through surface orifices in the inlet. The scramjet walls were at room temperature and the 
stagnation enthalpy was 3.0 MJ/kg (Gardener 2001). No evidence of inlet combustion was detected, but 
combustion was observed in the combustion duct. Experiments were also done with hydrogen injected 
through orifices in an inlet surface which was heated to 500 K (Kovachevich et. al. 2004), and no evidence 
of inlet combustion was detected either by surface pressure measurements or by interferometric imaging.  


The second concept combined inlet injection with a technique to promote early ignition of the fuel-air 
mixture called “radical farming” (Odam 2004). This technique is illustrated in Fig. 8(a), which represents 
a two-dimensional scramjet configuration. The shocks or compression waves which make up the inlet 
compression process are arranged to form a local region of elevated pressure and temperature, near the 
entrance to the combustion duct, where the production of the chemical radicals, which are a first stage in 
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the overall combustion process, will be encouraged. This region is called the radical farm, and is isolated 
from the walls of the combustion duct by a lower pressure, cooler flow. The radical farm is terminated by 
the expansion waves from the corner at the combustion duct entrance, but the radicals remain “frozen” in 
the flow until they meet another region of elevated temperature and pressure, where combustion continues. 
The benefit of radical farming is that, because of the exponential dependence on temperature of the rate of 
radical formation, the regions of elevated temperature and pressure in the radical farms provide 
accelerated development of the ignition process. 


 


Figure 8: Experiments on radical farming (dimensions in mm). 


Experiments were done with the two-dimensional configuration of Fig. 8(a). The model was 75 mm wide, 
and was fitted with sideplates to ensure two-dimensional flow. Pressure measurements were taken in the 
model midplane, along the inlet, combustion duct and thrust nozzle, together with measurements along 
three transverse lines to check that the flow was two-dimensional. Typcial pressure distributions are 
displayed in Fig. 8(b), and show that vigorous combustion occurred within the length of the combustion 
duct. Using the inlet flow conditions, a mean precombustion temperature of 700 K is obtained for the case 
of Fig. 8(b), a temperature which has been found to be too low for combustion in other experiments with 
constant area combustion ducts. Thus radical farming offers considerable improvement in the ignition 
characteristics of a hydrogen-fuelled scramjet. 


Integration of the measured pressure distributions was used to obtain a two-dimensional inlet drag and 
nozzle thrust, and this was combined with skin friction calculations for all interior surfaces (including the 
interior of the side plates) to obtain an interior flowpath net thrust. Using measured values of the injected 
fuel mass flow, this net thrust could be converted to a net specific impulse, which is presented in Fig. 8(c). 
The inlet contraction ratio was varied by adjusting the spacing between the upper and lower halves of the 
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scramjet model, as shown in Fig. 8(a), and at each contraction ratio, the equivalence ratio was increased 
until choking occurred. At a stagnation enthalpy of 3 MJ/kg, the equivalence ratio for choking fell from 
0.65 to 0.35 as the contraction ratio was increased from 2.9 to 4.1 and at 4 MJ/kg, it fell from 0.85 to 0.40. 
Estimates indicated that, as the contraction ratio changed, the radical farms persisted without major 
changes in their dimensions, suggesting that combustion processes in the model were essentially 
independent of the contraction ratio. This is in contrast to the more conventional scramjet, where the inlet 
contraction ratio determines the precombustion temperature, which strongly influences the combustion 
process. Fig. 8(c) confirms this independence by presenting points which were obtained by taking the 
mean of 2-4 measurements of the net specific impulse near the choking limit at each value of the 
contraction ratio. As represented by the cross-hatched zones, the net specific impulse values tended to 
remain constant as the contraction ratio was varied at both the stagnation enthalpies tested, indicating that 
combustion heat release was not significantly affected by the changes in contraction ratio. It may also be 
observed that the net specific impulse values, though small, are all positive, indicating that positive net 
thrust was obtained for the internal flowpath of this scramjet model. 


7.0 SKIN FRICTION REDUCTION BY BOUNDARY LAYER COMBUSTION 


The importance of skin friction drag in reducing the net thrust with an integrated scramjet configuration 
focussed attention on a means of reducing skin friction in turbulent boundary layers. Noting that the 
Reynolds stresses in a turbulent boundary layer play the role of viscosity, and that they are density 
dependent, it was thought that they could be reduced by raising the temperature, thus reducing the 
effective viscosity. In addition, the reduction in density would increase the width of the boundary layer 
streamtubes, and these two effects of increasing the boundary layer temperatures would both tend to 
reduce the skin friction. 


This concept was tested by doing experiments with the rectangular duct configuration shown in Fig. 9(a) 
(Goyne et. al. 2000) at a stagnation enthalpy of 7.8 MJ/kg and a pre-injection pressure, temperature and 
Mach number of 50 kPa, 1500K and 4.5, respectively. Hydrogen was injected from a room temperature 
reservoir, at a Mach number of 1.8, through a slot at the wall which spanned the 100 mm dimension of the 
duct cross-section. Thus, the flow over the surface downstream of the slot was nominally two-
dimensional. As shown in the figure, this surface was instrumented to measure pressure and heat transfer, 
while four skin friction gauges were used to measure skin friction at the indicated station. The height of 
the duct was such that combustion could be confirmed by an increase in the pressure rise along the duct 
length. Results from the experiments are presented in Fig. 9(b) for an injected hydrogen mass flow of 0.40 
kg/s per metre width of the slot. Large reductions in skin friction are apparent for hydrogen injection and 
combustion, with the skin friction coefficient then only one quarter of the skin friction coefficient with no 
injection. To confirm that this effect was due to combustion, experiments were done with nitrogen test gas 
under the same test conditions. Although the figure shows a reduction in skin friction, due to the reduction 
in boundarv layer densities caused by hydrogen mixing, the reductions in skin friction are much less than 
when combustion of the injected hydrogen took place. Figure 9(b) also displays heat transfer 
measurements showing that near fuel injection, the Stanton number with fuel injection is much less that 
the Stanton number without fuel injection and rises towards no injection values well downstream. This 
reduction in heat transfer takes place in spite of the combustion heating of the boundary layer. It occurs 
because, by virtue of Reynold’s analogy, the reduced skin friction coefficient implies a reduced Stanton 
number, and this effect is only partially offset by the additional combustion related heat transfer close to 
injection. Further downstream, more of the injected hydrogen is burned and combustion heat release has a 
greater relative influence on heat transfer. 
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Figure 9: Turbulent skin friction reduction by boundary layer combustion; (a) Experimental duct 
details (dimensions in mm); (b) skin friction and heat transfer measurements (Cf,Cfn = skin 


friction coefficient with and without hydrogen injection, Ch, Chn = Stanton number  
with and without hydrogen injection, m& = hydrogen mass flow). 


The experimental results in Fig. 9(b) were compared with predictions of a numerical simulation (Goyne et. 
al. 2000, Brescianini 1993) and a theoretical analysis (Stalker 2005). The numerical simulation employed 
finite rate chemistry, a κ−ε turbulence model, a parabolic Navier-Stokes code, and assumed a uniform 
pressure over the surface on which the boundary layer was formed. It was generally consistent with the 
experimental results in predicting a reduction in skin friction in the absence of hydrogen combustion, and 
a large reduction in the skin friction with combustion. The low values of measured skin friction coefficient 
at the two downstream stations are thought to be an effect of the pressure gradients along the wall acting 
on the reduced wall friction. The combustion induced heat transfer reduction was also predicted 
satisfactorily. 


The theoretical analysis (Stalker 2005) used a model of the turbulent boundary layer formulated by Van 
Driest, which represents the effect of temperature induced density changes in the boundary layer on the 
skin friction on a flat plate. The Van Driest model was extended by incorporating the changes in 
temperature and density resulting from the injection of hydrogen along the surface from an upstream slot. 
Combustion of the hydrogen with oxygen was assumed to take place instantaneously when the two came 
into contact, regardless of the temperature. This allowed the distribution across the boundary layer of the 
species mass fractions and the stagnation enthalpy to be determined by using the Shvab-Zeldovich scheme 
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for coupling of these variables. The density could then be obtained as a quadratic relation in the boundary 
layer velocity, as in the analysis of Van Driest, but with coefficients which were different to those of Van 
Driest. This expression was used to yield the momentum thickness, which was differentiated with respect 
to the downstream distance to obtain the skin friction. As shown in Fig. 9(b), this analysis yields results 
which are in approximate agreement with results from the numerical simulation and the experiments. 


The analysis has been employed to determine the effect on skin friction and heat transfer on a flat plate for 
flight velocities up to 6 km/s. It yielded values of skin friction drag which were less than half of the fuel-
off skin friction drag, together with a net reduction in heat transfer when the combustion heat release in air 
was less than the stagnation enthalpy. The mass efficiency of hydrogen injection, as measured by effective 
specific impulse values was approximately 2000 seconds. Clearly, if boundary layer combustion of 
hydrogen can be realized over a sufficiently wide range of freestream conditions, it can be an important 
factor in increasing penetration of integrated scramjet configurations into the sub-orbital regime. 


8.0 THE HYSHOT 2 FLIGHT EXPERIMENT 


The ultimate test of shock tunnel predictive capability is a direct comparison of shock tunnel data with 
data obtained in flight with the same experimental configuration and the same flow conditions. Although 
examples existed where fight data for external aerodynamics was compared with shock tunnel data (Krek 
& Stalker 1992), flight data involving supersonic combustion did not exist in the late 1990’s, thus 
eliminating the possibility of a comparison with shock tunnel data. However, this situation changed when 
two sounding rocket flights became available to The University of Queensland for supersonic combustion 
experiments. 
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Figure 10: HyShot flight profile. 
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The sounding rockets were two-stage Terrier-Orion combinations, and were supplied by Astrotech Space 
Operations Inc. of the USA. As shown in Fig. 10, the flight began with ignition, followed by burnout and 
separation of the Terrier first stage, and subsequent ignition and burnout of the Orion second stage. The 
burnt out Orion remained attached to the experimental payload, in order to provide aerodynamic stability 
on re-entry to the atmosphere. The resulting flight vehicle then followed a parabolic trajectory, ascending 
to an altitude of 314 km before descending towards the atmosphere. While executing this manoeuvre, a 
control jet was activated in a “bang-bang” mode to realign the flight vehicle so that it re-entered the 
atmosphere with the experimental model pointing downwards. Re-entry was accomplished with a steep 
trajectory, allowing the experiment to take place over a planned period of 7 seconds as the vehicle passed 
from 35 km to 23 km in altitude (Paull et. al. 2002, Smart et. al. 2006). 


A photograph of the experimental model is shown in Fig. 11, with a schematic of the fuelled flowpath in 
Fig. 12. The aim of the experiment was to establish a correlation between the conditions for supersonic 
combustion of hydrogen fuel in the shock tunnel and in flight, and the experiment was therefore designed 
to be a simple as possible. A two-dimensional flow configuration was chosen, consisting of two identical 
flow paths, symmetrically disposed about the center-line, both of which were instrumented for pressure 
measurement. By arranging that fuel was injected into only one of the two combustion ducts, it was 
possible to compare fuel-on with fuel-off pressure distributions, and thus to make a flight to shock tunnel 
comparison of the effect of the hydrogen fuel mixing and combustion processes. 


 


Figure 11: HyShot 2 payload. 
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Figure 12: Schematic of fueled flowpath in the HyShot 2 payload. 


The inlet consisted of a single 18 deg. wedge with a width of 100mm, a blunted leading edge, and highly 
swept side fences. The high wedge angle was necessary to ensure that the combustor entrance temperature 
and pressure were great enough to readily induce self-ignition of hydrogen. The rectangular combustor 
had a constant area 9.8 mm x 75 mm cross-section and a length of 300 mm (length/height = 30.61). The 
combustor cowl spanned the full width of the intake wedge and was situated such that the intake shock 
was upstream of its leading edge at all times. The flowpath design incorporated a shock trap that was 
situated between the end of the inlet wedge and the entrance of the combustor. This feature not only 
captured the cowl shock, but also bled off the intake boundary layer. The reduced width of the combustor 
(relative to the inlet wedge) and lateral spillage holes in the side fences adjacent to the shock trap, were 
designed to remove the fence boundary layers and corner flows. The angle-of-attack of the payload was 
defined as positive when the fuelled combustor was on the windward side, and negative when the fuelled 
combustor was leeward. 


The flight produced a significant set of scramjet combustor data at varying duct entrance pressure, 
temperature and Mach number. Trajectory reconstruction was accomplished using onboard sensors alone 
(Cain et. al. 2004). Fuel flow was initiated at approximately t = 536.5 seconds after launch as the payload 
and attached Orion motor re-entered the atmosphere. Figure 13 shows the Mach number and dynamic 
pressure time histories during three seconds of the experimental window and Table 1 lists four zero-yaw 
time slices used for analysis. Figure 14 shows a comparison of the fuelled and unfuelled combustion 
pressure distributions at windward conditions: i.e. when each combustion duct was at a positive angle-of-
attack of approximately 5 degrees. Note that all data is normalized by the combustor entrance pressure, in 
order to make meaningful comparisons. The equivalence ratio of the fuelled duct was approximately 0.34, 
and the pressure rise from combustion of the hydrogen fuel is clearly evident. Cycle analysis of this data 
indicated that supersonic combustion occurred at these times slices during the flight, at a combustion 
efficiency for the fuel of 81%. 
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Figure 13: Reconstructed Mach number (M) and dynamic pressure (q) histories. 


Table 1: Flight parameters for analyzed time slices. 


number Time (s) Flight Mach 
Number 


Flight dynamic 
pressure (kPa) 


Altitude (km) angle-of-
attack(deg.) 


1 538.103 7.828 24.88 34.48 -5.012 


2 538.179 7.831 25.33 34.31 5.540 


3 538.734 7.938 31.55 33.05 -5.081 


4 538.805 7.938 32.20 32.89 4.617 
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Figure 14: Windward fueled and un-fueled combustor pressure distributions (p = duct  
pressure, pc = combustor entrance pressure, x = axial distance from nose of payload). 
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One of the important motivations for the HyShot flights was validation of short duration ground testing for 
scramjet development. As a first step towards this, a series of pre-flight experiments were conducted at 
The University of Queensland in the T4 shock tunnel to determine the expected performance of the flight 
payload. These experiments were documented in Paull et. al. (2000), and four of these shock tunnel runs 
are compared here with the presented flight time slices.  


The model used for the pre-flight ground tests was designed to generate similar combustor entrance 
conditions to flight at Mach 7.6, while using an existing Mach 6.5 shock tunnel nozzle. This dictated the 
use of an experimental model with a 17o wedge intake (compared to 18o in the flight payload) and shock 
tunnel nozzle exit conditions with higher freestream pressure and temperature than flight. The 300 mm 
length combustor and fuel injectors were identical to flight, except that fuel injection took place 40 mm 
downstream of the combustor entrance (compared to 58 mm in flight), and the ground test model had an 
increased number of combustor pressure taps. A final difference between the ground and flight hardware 
was that the nozzle expansion was situated on the bodyside of the combustor in the ground test model 
(compared to the cowlside for the flight hardware).  


Figure 15 shows a comparison between ground and flight data for the fuelled combustor at windward 
conditions. Both ground and flight data showed a clear pressure rise due to supersonic combustion of 
hydrogen, and Fig. 15 confirms that both ground and flight had similar pressure distributions along the 
combustor. It is interesting to note, however, that despite the fact that the ground data had a higher 
equivalence ratio than flight (0.47 compared to 0.34), both ground and flight generated very similar 
normalized pressure levels up to the last pressure tap in the ground model. Additional ground experiments 
are planned with a model and test conditions identical to the flight experiment.  
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Figure 15: Flight-to-ground comparison at windward conditions. 


10.0 FUTURE PLANS 


Hypersonics research in Australia is alive and well. The success of the HyShot flights has led to a 
significant interest in low cost scramjet flight-testing using sounding rocket boosters. In November 2006, 
an agreement was signed between the Defence Science and Technology Organisation (DSTO) of Australia 
and the United States Air Force, to support a 10-flight test program called HIFiRE. The goal of this 
program is to develop the technology required for long duration scramjet flight at Mach 8. The University 
of Queensland is responsible for the payloads to be flown on three of the ten flights; designated HyShot 5, 
6 and 7. The plan for these flights is as follows: 
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HyShot 5 – A Free-Flying Hypersonic Glider  
HyShot 5 will be a hypersonic glider designed to fly at Mach 8. It will separate from its rocket booster in 
space and perform controlled manoeuvres as it enters the atmosphere. This flight will not have a scramjet 
attached. Both an up-and-down trajectory similar to HyShot 2, and a more horizontal “depressed” 
trajectory are being considered for the flight. The goal of the flight is to learn about the control of 
hypersonic vehicles in the upper atmosphere. 


HyShot 6 – A Free-Flying Mach 8 Scramjet 
HyShot 6 will use an up-and-down trajectory similar to HyShot 2, but the scramjet engine will separate 
from the rocket and enter the atmosphere on its own at about Mach 8. It will be a payload of around 250 
kg, over twice the size of the HyShot 2 payload. The goal of the flight is to measure actual thrust levels of 
the scramjet over five seconds of scramjet engine operation. A three-dimensional scramjet flowpath 
developed at The University of Queensland will be flown. 


HyShot 7 – Sustained Mach 8 Scramjet Powered Flight 
HyShot 7 is the culmination of the other two flights. It will be a scramjet-powered vehicle and its design 
will make use of the information learned from HyShot 5 and 6. A depressed trajectory will be used for this 
flight and the goal is to fly the scramjet-powered vehicle horizontally for up to a minute at Mach 8. The 
engine structure will reach a thermally steady-state condition in this period, so this flight is a proof-of-
concept for long duration scramjet flight. 


Preliminary testing of a candidate 3-D scramjet flowpath for HyShot VI has begun in T4. The engine 
includes a Rectangular-to-Elliptical Shape Transition (REST) inlet (Smart 1999,2001) and a divergent 
combustor with elliptical cross-section. Figures 20 and 21 show 2 photographs of the shock tunnel model 
used in the experiments, which was fabricated from high strength plastic. The short duration of the test-
time in T4 allows the use of such fabrication techniques, which cannot be used for longer duration testing 
or flight. Figure 22 shows some preliminary test data for the engine. The test flow conditions were 
equivalent to Mach 8 flight at 30 km altitude, which corresponds to a dynamic pressure of 0.5 
atmospheres, and the fuel was gaseous hydrogen. The bodyside pressure distributions in Fig. 22 indicate a 
clear pressure rise due to combustion in the combustor and nozzle. 
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Figure 20: REST engine model for T4. 


 


Figure 21: REST engine mounted in the T4 test section. 
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Figure 22: Preliminary REST engine data at Mach 8 (p = duct pressure,  
x = distance from leading edge of the model, phi = equivalence ratio). 


Together with the flight experiments, the Centre for Hypersonics at The University of Queensland will 
continue to conduct fundamental research on scramjet flowpaths, with particular emphasis on Flight Mach 
numbers of 10 and above. 
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ABSTRACT


The lecture is given in four parts, each being a step in the process of nozzle design, and within each part  
the methods and techniques preferred by the lecturer are presented. We begin with a reminder concerning  
control  volumes  and  the  separation  of  aerodynamic  and  propulsive  forces  and  moments.  Then  it  is  
demonstrated  how  an  appropriate  control  volume  can  help  define  the  propulsive  force  vector  that  
maximises cruise efficiency. The third part recounts Rao's method for maximising thrust when nozzle  
length is restricted and the final part introduces a new, simpler, Method of Characteristics (MOC) for  
non-equilibrium flows.


1 INTRODUCTION


Often the lecture on nozzles is given by the same person that spoke on intakes, as is the case in this series. 
The topics have much in common, they are both concerned with the change in stream thrust that results 
when the area of the stream is altered. A good intake minimises the loss in stream thrust when the area is 
contracted, a good nozzle maximises the gain in stream thrust when the area is expanded. The ideal in both 
cases  being  limited  to  the  change  in  stream  thrust  for  an  isentropic  expansion/contraction  between 
uniform, parallel, inlet/outlets.


The lecture on intakes focussed on applied design using retired aircraft and missiles as examples, but a 
reference was made to the relevant section of the Handbook of Supersonic Aerodynamics [1] for those 
seeking an introduction to the  art.  The same section of  the  handbook and the same recommendation 
applies to this nozzle problem but I would add to that the study by Vahl and Weidner [2]. Ideally those 
freely available sources would allow us to advance to an exploration of the intricacies of previous designs, 
but unfortunately there are no scramjet nozzles to examine. Almost all are simply conceptual designs and 
most of these seem to assume that a nozzle is a flat plate that links the end of the combustor to the trailing 
edge of the aircraft. There are good engineering reasons for keeping nozzle geometry simple: variable 
geometry may be required; and the surface will be subjected to high heat loads restricting the choice of 
suitable  materials.  Material  choice  has  direct  implications  for  structural  mass  and  imposes  indirect 
constraints through restricted construction and fabrication techniques. However rather than abandon the 
notion  of  a  contour  altogether,  a  better  response to  these  difficulties  is  to  approximate  a  continuous 
contour by a series of flat plates as investigated by Vahl and Weidner [2].


When net thrust is a small fraction of gross thrust, great care must be taken with the exhaust in order to 
generate any net thrust. So the most plausible reason for the popularity of crude nozzles and the apparent 
lack  of  interest  in  performance,  is  that  the  overwhelming  majority  of  scramjet  engines  and  scramjet 
powered aircraft concepts were never intended to fly. Preparation for a flight test forces attention to the 
essentials in a way that academic discipline does not, but the published output from programmes such as 
NASP and HYPER-X that have benefited from this focus is not yet sufficient to use as a case study. The 
short supply of background material means no time/space is required to describe nozzle types leaving 
more available for describing the techniques and tools required for nozzle design. Four steps in the process 
of scramjet nozzle definition are covered:
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1. Control volumes and the separation of aerodynamic and propulsive forces and moments;


2. Determining propulsive forces for maximum cruise efficiency;


3. Optimised thrust for length constrained nozzles;


4. Method of characteristics (MOC) in non-equilibrium flows.


2 CONTROL VOLUMES


2.1 Force accounting
Students of thermodynamics quickly learn how easy it is to make a mistake in the calculation of the net 
force  acting  on  system  if  they  fail  to  define  their  control  volume  (CV).  When  it  comes  to 
propulsion/airframe  integration  (PAI)  we  probably  need  to  be  reminded  of  this  useful  concept.  The 
minimal  interaction between engine and airframe in most  subsonic aircraft  results  in little  error if  an 
engine is selected on the basis that its thrust matches the airframe drag. With that aeronautical background 
it is easy to forget that these are two components of the same system, and that the balance of forces in 
cruise does not have to be viewed as lift  equals weight and thrust equals drag. However if driven to 
separate the propulsive and aerodynamic forces, particular care is required when they are closely coupled. 
The discipline  of  PAI appears  to have grown in response to this  problem.  There  is  much discussion 
regarding the virtues of different force accounting methods but not one I have read reminds the reader that 
the problem is one he has encountered before and its solution is to draw a CV. There are two simple rules 
to follow when drawing a surface that defines the CV:


a) Ensure the surface is complete (without gaps) and that no part of the aircraft penetrates the surface 
of the CV unless the forces and moments acting on that part are known at the CV surface;


b) Draw the CV surface where pressures and momentum fluxes are known.


The art/skill of force accounting is drawing a CV where the pressures and momentum fluxes are easiest to 
calculate. Integration of pressures and momentum fluxes over the CV surface will normally result in non-
zero net forces and moments. In cruise, the net force will equal the weight of the aircraft, and the net 
moment about the aircraft's centre of gravity will be zero. A finite horizontal force tells you the aircraft 
will accelerate (or decelerate) and finite moments tell you that it will pitch or yaw. Levels of acceleration 
(linear or rotational) can be calculated this way, but that is only an approximation since the flow within the 
control volume is treated as quasi steady. In aeronautical terms that is equivalent to assuming the dynamic 
derivatives are zero.


2.2 Application


Figure 1: Control volumes for two airbreathing missiles, the blue control surfaces enclose the 
entire missile the red lines mark regions delegated to propulsion


To reinforce the idea expressed above, consider the two air breathing missiles sketched in figure 1. The 
one on the left is something like the MBDA Meteor, being cylindrical with two ventral intakes. The blue 
line indicates a control surface that is identical with the missile surface everywhere except where the CV 
surface crosses the entrance to the intakes and the nozzle exit plane. These regions are marked with a 
second line in red. We could arbitrarily declare these surfaces as propulsion, then integrate pressure and 
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momentum fluxes over them to find the propulsive forces and the moments relative to some reference 
point. Note that the momentum flux crossing the intake entrance plane will, in general, include a vertical 
component and the engine (as defined) will produce a normal force. The momentum flux and pressures 
will also result in pitching moments. Some legacy trajectory codes might not be able to deal with anything 
other than axial forces from engines, reflecting the class of problem they were written to model. A modern 
code should expect a vector of forces and moments to be generated by the propulsion routine.


The missile on the right is something like the Boeing X-51. The control surface defined in blue is what 
one  might  adopt  in  order  to  model  its  performance.  Applying  CFD  to  calculate  surface  pressures 
everywhere including the internal walls upstream of the isolator entrance, where the control surface is also 
marked in red. The CFD solution would provide a non uniform flow at the entrance to the isolator, but by 
integrating over it  to find the axial stream thrust,  mass flow, and stream power (enthlapy and kinetic 
energy) one could find equivalent one dimensional conditions for input to a dual mode scramjet model. 
The engine model would provide the conditions at the nozzle exit  plane, the other part of the control 
surface marked in red. The integration at the isolator entrance would in general result in a normal force, 
and pitching moments (and side force and yawing moments given side slip) and these would contribute to 
the total propulsion forces and moments.


These  two  examples  may  appear  trivial,  and  they  are,  as  is  every  other  question  relating  to  force 
accounting. The problem is made simple by the control volume approach from classical thermodynamics, 
one just  needs to  apply the  method without  bending the  rules.  There is  an infinite  choice  of  control 
volumes in any application, but only those on which pressure and momentum fluxes are known on every 
part of the three dimensional surface that defines them, are useful. A properly chosen control volume not 
only simplifies the analysis, but can guide the design process itself.


3 MAXIMISING CRUISE EFFICIENCY


3.1 The ideal supersonic wake


Figure 2 A control volume defined by the intersection of the bow shock and a vertical plane 
normal to the horizontal flight velocity vector.


Consider the control volume bounded by the envelope of the shock wave emanating from the nose tip of 
the  XB-70,  and the  outflow plane that  is  normal  the  flight  direction with a  perimeter  defined by its 
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intersection with the shock wave envelope. For the aircraft to be in steady level flight, the downward 
momentum flux across this outflow plane must equal the aircraft weight (figure 2). On the other hand 
there must be no change in stream thrust in the flight direction or else the aircraft would be decelerating. 
Clearly the engine exhaust plumes contribute to the integral at the outflow plane, but there is no explicit 
separation of aerodynamics and propulsion in the formulation.


The momentum balance in figure 2 is written for a right handed coordinate system x, y, z defined by x in 
the flight direction, z towards the centre of the earth and y to starboard. Velocities along x, y and z are u, v, 
and w respectively. The energy balance is;


∫u h0.5u2v2w2dA=∞u∞ h∞0.5u∞
2 Aṁ f h f (3.1)


where: h is the enthalpy and the subscript f refers to the fuel while ∞ refers to the free stream. Note that at 
a given velocity u∞ optimising cruise performance can be simply expressed as minimising the fuel mass 
flow mf while supporting the aircraft weight.


There are a number of design guides made apparent by this CV:


1. a vertical velocity, w, must exist in the wake;


2. to minimise the vertical kinetic energy,  w should be small and hence the aircraft should interact 
with the biggest airmass possible in order to support its weight;


3. sideways  velocity  v appears  only  in  the  energy  balance  and  should  be  kept  to  an  absolute 
minimum and hence aircraft volume should be accommodated by deflecting the air downwards 
and not sideways;


4. the wake should be uniform, as a region with low w must be compensated by higher w elsewhere. 
Since kinetic energy is proportional to  w2 the total kinetic energy is always higher in the non-
uniform wake;


5. the enthalpy in the wake should be minimised and hence the wake should be as cold as the second 
law allows;


A caret wing wave rider immediately suggests itself as an ideal form as it is cut from a wedge flowfield 
and hence satisfies both conditions 3 and 4. Note that wave riders derived from axisymmetric flowfields 
such as those over a cone, create v in the wake and therefore will not be as efficient. However a caret wing 
does not interact with the maximum possible airmass and hence doesn't satisfy condition 2 as it leaves the 
flow over the top of the wing unperturbed. This is the reason waveriders are not competitive at low Mach 
number where it is generally recognised that expansion of the flow over the top of the wing will make a 
significant  contribution  to  the  lift.  Less  well  recognised  is  that  even  hypersonic  aircraft  benefit 
significantly from expanding the lee flow. It will be shown below how this might be implemented in 
practice.


When considering condition 2 it should be remembered that the aircraft is interacting with an airmass 
defined by the intersection of the envelope of forward swept Mach lines from its trailing edge, with the 
shock/sonic waves from its leading edge. That is, the interactive airmass is not the same as the perturbed 
airmass  shown in the control  volume drawn in figure 2. Clearly the perturbed airmass  increases with 
increasing distance to the chosen outflow plane, but the interactive airmass is not a function of control 
volume definition.
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3.2 The two stream solution
Once it is accepted that expansion in the lee will be part of the optimum solution (to maximise airmass, 
condition  2)  then  it  is  apparent  that  there  will  be  a  compromise  between  conditions  2  and  4,  since 
compression of the windward flow and expansion of the leeward flow will result in two states within the 
wake. Uniformity (condition 4) still holds true for both leeward and windward streams, thus for optimum 
efficiency the compromise mentioned can be interpreted as the optimum balance of the two mass flows 
and their separate uniform states.


Up to this point, the propulsive stream has been implicit in the stream thrust and energy balances, but has 
not been identified in the wake. In a conventional design like the XB-70 the propulsive stream would 
appear as narrow high velocity jets of hot exhaust gas. The minimum static enthalpy of the exhaust plumes 
is determined by the entropy increase within the engine and its associated flowpath (intake and nozzle). 
Although one might now expect a third uniform stream to be included in the analysis, it will be shown 
below that high cruise efficiencies are predicted if the leeward flow is composed entirely of exhaust flow.


Figure 3: Two stream solution in a dorsal engine configuration


For this analysis, areas and angles are as defined in figure 3. Subscript 1, 2 and 3 refer respectively to: the 
captured propulsive flow at free stream conditions; the compressed lifting flow; and the engine exhaust. 
The exhaust is directed downward at θ3, turning the lee airflow through the same angle and resulting in a 
pressure p3 that is lower than ambient and determined by the Prandtl-Meyer equation. The exhaust Mach 
line is a straight connection between the cowl and base trailing edges at Mach angle  μ3 relative to the 
parallel streamlines in the uniform exhaust at pressure p3.


The control  volume is  defined by tracing along the shock wave from the leading edge,  over the top 
surface, down the exhaust Mach line, and then back to the leading edge along the bottom surface. Mass, 
momentum and energy balances allow the direct calculation of cruise efficiency, defined here as,


c = p
L
D


= T u∞ L
ṁ f h f D


= L u∞


ṁ f h f
(3.2)


The lift L is the net vertical force on the CV and it is related to the fuel mass flow through the geometry of 
figure 3 and by the requirement that there be no net horizontal force.


3.3 Application to a supersonic transport
This CV approach to cruise performance optimisation was developed within the EU FP6 ATLLAS project 
and applied to the conceptual design of a Mach 3.5 transport aircraft. The result is depicted in figure 4. 
The central feature of the concept is a wide body 6.8m diameter fuselage sheltered behind a nose mounted 
variable geometry mixed compression intake. A high bypass turbofan within the nose acts as a compressor 
at flight Mach numbers below 2.5, feeding a transfer duct which moves air rearwards below the 40m cabin 
to ramjet  combustors buried in the wing and tail.  The turbofan/compressor does not  operate at  Mach 
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numbers above 2.5 and all the fuel is burnt in the combustors within the aircraft tail and wings. The two







wing pods have a similar arrangement to the fuselage, but with fuel tanks rather than a cabin above the 
transfer duct. The single nozzle along the wing trailing edge, highlighted in blue, was stream traced from a 
2D MOC flowfield.


Figure 4: The ATLLAS M3T. An example of a highly integrated propulsion/ airframe concept


To relate this 3D concept to the 2D sketch in figure 3, it should be noted that the intake areas sum to A1, 
the wing area is  A2/tan(θ2) and A3=A1+A2 corresponds to the sum of the wing, fuselage and nacelle base 
areas (the total exhaust area). For maximum cruise efficiency the drag due to lift of the lifting stream is 
equal to the zero lift drag, and using linear theory for the pressure p2,


2
2=


CD0


2 M 1
2−1 (3.3)


where CD0 is the zero lift drag coefficient based on wing area. The zero lift drag is primarily the result of 
skin friction although other forms of parasitic drag such as that due to blunted leading edges may be 
included. Note from figure 3 that there is no drag due to thickness (volume) or base. Wing volume was 
created  by downward  deflection  of  the  lifting  stream,  fuselage  and  nacelle  volume  by capturing  the 
propulsive  stream.  Base  area  is  (almost)  completely  occupied  by  the  exhaust.  The  inevitable  small 
departures from this ideal picture may be accounted for within CD0.
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Figure 5: The effect of base to capture area ratio on cruise efficiency, total lift coefficient, 
exhaust total temperature, and thrust vector angle. Flight Mach numbers of 3, 3.5, 4, 5 and 6 


correspond to blue, green, cyan, red and pink respectively.


Calculated results for aircraft cruising at Mach 3 to 6 are presented in figure 5 with an assumed intake 
pressure recovery following MIL-E-5007D,


P ti /P t1=1−0.075M 1−11.35
(3.4)


Pressure drop in the transfer duct and across the combustor is taken as  Pt3/Pti=0.9. The top left plot of 
figure 4 shows that cruise efficiency has a maximum at a particular value of A3/A1, for each Mach number. 
The other parameters, such as exhaust total temperature and deflection angle that are associated with this 
optimum area ratio are marked with symbols. Of particular interest are the relatively low exhaust total 
temperatures below Mach 4, and that the optimal exhaust deflection is approximately 5° irrespective of 
flight Mach number.


3.4 Scramjet examples
The relevance of the previous section to this lecture on scramjet nozzles is to suggest that the definition of 
the nozzle should be part of the overall aircraft design. In fact within the EU FP7 LAPCAT-2 programme 
we at GDL attempted to do just that, extending the optimisation procedure to Mach 8 with a reasonable 
fidelity scramjet intake/combustor/nozzle model. Cruise efficiencies of 3.9 were predicted but the very 
long nozzles associated with expansion to pressures below ambient proved entirely incompatible with any 
3D implementation of the ideal 2D flow field, of which we could conceive. We were left with insufficient 
volume and clear indications of excessive structural mass.


Nozzle optimisation for the Dual Fuel cruiser [3-5], a ventral (under-slung) engine configuration on which 
the X-43A was based [6], involved a parametric study of the effect of length and expansion ratio on cruise 
efficiency. That is, the engine and the bulk of the airframe were fixed and two parameters that define the 
nozzle were allowed to vary.  Significantly it  was cruise efficiency rather than say axial  thrust  which 
determined the optimum, but such a procedure still accepts the risk that better cruise efficiency might be 
found with a completely different ratio of propulsive to lifting flows. At least the limitations to the design 
space imposed by the McDonnell-Douglas/NASA team guaranteed a realisable configuration.
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4 THRUST-OPTIMISED LENGTH-CONSTRAINED NOZZLES


4.1 Rocket nozzle relevance
Rocket launcher payload fractions are very sensitive to both specific-impulse,  Isp,  and structural mass. 
Since the optimum nozzle is the one that results in the highest payload fraction, these two parameters both 
figure in the optimisation of the nozzle contour. The methods developed for that purpose are therefore 
relevant to scramjet-powered aircraft or launcher concepts which are marginal at best, and hence just as 
sensitive to Isp and mass. The design problem can be expressed as maximising thrust for a given mass flow 
(the ratio defining Isp) in a given length nozzle (an indicator of structural mass). Guderley and Hantsch [7] 
solved the problem using the Lagrange multiplier method by which a maximum of a multi dimensional 
function  is  found  when  the  function  is  subject  to  a  number  of  constraints.  Their  mathematics  was 
simplified by Rao [8], and such thrust optimised nozzles are sometimes called Rao nozzles. When applied 
to scramjet nozzle design, one could consider this to be the second step in the process. Having found the 
optimum propulsive mass flow and thrust vector angle, application of Rao's method may lead to higher 
payload fractions by reducing nozzle length and mass, accepting a reduction in exhaust uniformity.


4.2 Rao's method
Rao's simplification to the Guderley and Hantsch method for axisymmetric nozzles involved introducing 
an additional degree of freedom by not specifying that the CV surface on which thrust and mass flow 
would be determined, is defined by the Mach line that intersects the nozzle lip. Instead, the surface that 
intersected the lip was allowed to vary in angle relative to the axis as an unspecified function of radius, to 
be determined as a result of the optimisation. Intriguingly introducing this additional unknown, simplified 
the problem despite the fact that two results of the procedure are: first the resulting control surface is a 
Mach line; and second, and necessarily so, the compatibility relation is not violated along the line.


Figure 6: The MOC kernel and control surface c-e. On the right: the streamline angle at the lip for 
maximum thrust as a function of local exhaust pressure and Mach number.


Figure  6  illustrates  Rao's  approach.  The  characteristic  mesh  is  generated  by  an  expansion  from the 
transonic  solution  at  the  throat,  with  the  initial  expansion  rate  being  set  by  a  predefined  radius  of 
curvature.  The characteristics are Mach lines within the flow, running both to the left  and right  of  a 
streamline at the local Mach angle. The right runners are directed inwards, towards the centreline, in this 
solution  and  the  left  runners  are  propagating  outwards.  The  compatibility  relations  that  hold  at  the 
intersection of the left and right runners enable the flowfield to be defined in a stepwise process. For 
scramjet applications the upstream data line could be obtained from a known combustor exit profile, rather 
than the transonic solution, with the subsequent steps in the method unaltered. However it is necessary 
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that  the  profile  be  approximated  with  constant  stagnation  enthalpy  and  entropy,  which  is  an  issue 
discussed later.


Rao's  method addresses the problem of defining Mach number,  M,  and streamline angle,  θ along the 
control surface drawn connecting c to e in the figure. The point e is at the nozzle lip but is undefined in x 
and y, the axial and radial coordinates respectively. Point c lies somewhere within the mesh generated by 
the initial expansion (the kernel). All that can be said about point  c is that once its position has been 
determined, all other parameters there are known. That is, Mc, θc the mass flow passing through the right 
running characteristic that connects it to the wall, and the axial stream thrust between it and the centreline 
are all known from the kernel. Rao applied the method of Lagrange multipliers (see wikipedia.org for a 
general description) and determined that  c and e are connected by a left running characteristic, and that 
along this characteristic,


w cos−
cos


=−2 (4.1)


and,


y w2 sin2 tan=−3 (4.2)


λ2 and λ3 are constants (the Lagrange multipliers) and considering λ2 if the velocity w is known and hence 
also the Mach angle μ (from the stagnation enthalpy), then the streamline angle, θ may be calculated from 
λ2. Since the density, ρ, is also known for the expansion to w, the radius y can be calculated from λ3. The 
last output of the method provides the relationship between w and θ at the lip, point e, and thus allows the 
calculation of λ2. This is,


1
2
e w e


2sin 2e =  pe− pacote (4.3)


where pe is the pressure after expansion to we and pa is the ambient pressure. The radius at the lip ye, and 
hence λ3 are determined by finding the locus of points within the kernel that are compatible with λ2 and 
then finding point c along this locus by ensuring the mass flow between c and e, matches the mass flow 
known from the kernel. This step involves the simultaneous solution of ye, and yc that can be achieved by 
numerical interpolation.


Streamline angle at the lip, θe, is plotted as a function of pe/pa assuming a constant ratio of specific heats 
γ=1.4 in figure 6. Note that this γ is only relevant to the relationship between p/ρ and the speed of sound 
along the characteristic c to e and has nothing to do with the high temperature properties of the reacting 
flow upstream in the nozzle. Thus a constant ratio of specific heats that corresponds to frozen chemistry 
and frozen vibrational excitation may be perfectly adequate and certainly far better than the common 
practice of applying a meaningless 'high temperature gamma'  to the nozzle exit  flow. The subsequent 
calculation of the nozzle contour by MOC applied between the right running characteristic to  c in the 
kernel, and the left running characteristic from c to e, is a separate problem that requires a non-equilibrium 
MOC technique such as that presented in section 5.


I think it is important to reiterate that the output of Rao's method is not a nozzle contour but the definition 
of flow properties along the final characteristic which will result in maximum thrust for a given  pe/pa. 
Increasing values of this ratio correspond to decreasing nozzle length, and with Rao's method at each 
length the maximum thrust is guaranteed. With pe/pa=1 the optimum distribution is parallel uniform flow, 
like a wind tunnel nozzle, and the absolute maximum in inviscid thrust is obtained. Once the inviscid 
contour is found, one can calculate the friction force and by subtraction, find that the maximum obtainable 
thrust which will inevitably occur with pe/pa>1. Maximum payload or maximum range is likely to occur 
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with even higher values of pe/pa and thus the optimum for the application will depend on the sensitivity to 
Isp and mass.


4.3 Stream traced nozzles
Direct application of a thrust optimised axisymmetric nozzle would be problematic for many hypersonic 
aircraft concepts like the X-43 but less so for hypersonic missiles with geometry such as Hyfly or the X-
51.  Greater  adaptability is  provided by using the  stream tracing technique introduced by Evvard and 
Maslen [9] which allows nozzles of arbitrary cross sections to be derived by tracing the streamlines that 
coincide with the perimeter of the cross section through a 'template' axisymmetric flowfield. 


Conditions along the last characteristic of the thrust optimised template flowfield will not generally be 
given by equations 4.1 to 4.3, because those equations are derived assuming the full 2π arc at each radius 
contributes to the thrust and mass flow integrals. With stream tracing, the arc angle is a function of radius 
and direct application of Rao's method results in an optimum that is incompatible with the flow equations 
for the axisymmetric template. To prevent this an additional constraint has to be added, but the elegance of 
Rao's  simplification is  lost  and no analytical  solution has been found.  The problem is  the subject  of 
ongoing research,  but  perhaps  it  is  worth noting that  the  optimum we are  seeking is  a  maximum in 
propulsive lift with constrained axial thrust, mass flow, and nozzle length. We may resort to a parametric 
trial-and-error approach, which then would allow the introduction of non-uniform stagnation enthalpy and 
entropy at the combustor exit, while simultaneously eliminating all the fun in the design.


5 A METHOD OF CHARACTERISTICS FOR NON-EQUILIBRIUM FLOWS


5.1 Introduction
Having determined the ideal propulsive flow from an approach such as that outlined in section 3 and then 
traded exhaust uniformity for nozzle mass using a technique such as that applied to rocket nozzles and 
described in section 4, it is then necessary to determine the contour that will produce the corresponding 
exhaust velocity distribution.


Typical scramjet combustor exit pressures and temperatures are such that the exhaust will be in chemical 
non-equilibrium, although not necessarily frozen. The generation of the MOC mesh for the kernel and the 
subsequent  development  of  the  contour  once  the  exit  characteristic  is  established,  requires  a  MOC 
applicable to non-equilibrium reacting flows. Development of such a code can be rather daunting with 
significant numerical obstacles imposed by the wide variation in chemical and flow time scales. In this 
section a simple and accurate method is described. It is presented in sufficient detail to be understood and 
followed as it has not been published previously.


5.2 The compatibility equation
The physical significance of Mach number is most apparent when it is defined by [10],


M 2=−
d 



w
d w (5.1)


The  dimensionless  group  is  then  recognisable  as  a  balance  of  two  competing  processes  within  a 
compressible flow: density dilation and velocity deformation. At very low Mach number fluid elements 
experience little change in density and elongate as they accelerate through an area restriction. Conversely 
at  very  high  Mach  number,  velocity  changes  are  small  and  the  fluid  compresses  or  expands  to 
accommodate  changes  in  stream tube area.  Within a  two or  three  dimensional  flow,  the  density and 
velocity derivatives that determine/exhibit this balance are those along streamlines. 
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Consider axisymmetric inviscid flow in cylindrical coordinates with x being the axial direction and y the 
radius. The angle of a streamline relative to x is denoted θ. Working first in natural coordinates, and using 
the suffixes  z and  n to indicate derivatives taken along, and normal to, the streamline respectively, the 
continuity equation is,


n
wz


w

z



=n


wz


w
1−M 2 =−sin


y
(5.2)


The velocity w is along the curvilinear coordinate z aligned locally with the streamline. The momentum 
balances along and normal to the streamlines are respectively,


w wz pz /=0 (5.3)


zpn/w2=0 (5.4)


The directions within the flow set by


dz
dn


=±=±M 2−1 (5.5)


have particular significance to the solution of these equations. Denoting a derivative in either of these 
directions by the superscript ', and noting that,


 '=n±zn '  and p '= pn± pzn ' (5.6)


equations 5.2 to 5.4 may be reduced to,


± ' p '
w2 


sin
y21


=0 (5.7)


The above equation appears to be the compatibility equation along characteristics defined by equation 
(5.5),  and  in  some  important  practical  cases  β,  as  defined,  does  set  the  characteristic  direction. 
Unfortunately when Resler [11-13] presented a similar analysis fifty years ago, he did not define the limits 
to application and his publications proved to be controversial. The counter arguments that were raised [14-
16] and the consensus/textbook [17] view on the subject are discussed while demonstrating the utility of 
equation 5.7.


5.3 Resler's sound speed in reacting flow
Substitution of equation 5.3 into 5.1,


M 2=w2∂∂ p n
=w


a 
2


(5.8)


The  sound  speed,  a,  first  defined  this  way  by  Resler  [11]  assumes  the  usual  values  in  frozen  and 
equilibrium flows since in these cases entropy is constant along streamlines and therefore the derivative 
along z (constant n) is identical to the derivative at constant entropy.


Within a reacting flow, sound speed is known to be a function of frequency. When the wave period is 
much shorter than the reaction time-scale, the wave travels at the frozen (non-reacting) sound speed and 
conversely when the period is very long in comparison, the wave travels at the equilibrium sound speed. 
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The fact that at intermediate frequencies waves dissipate and spread [14, 15] is a reflection of the fact that 
the density and pressure gradients within the wave are intimately coupled with the wave speed through 
conservation of mass and momentum in precisely the manner made apparent by equations 5.2 and 5.3.


Within  a  steady flow,  local  property  gradients  do  not  vary with  time  but  in  general  will  vary with 
direction.  Since  β is  defined  by a  gradient  along streamlines  and yet  is  present  in  equation 5.7,  the 
equation is not an ordinary differential equation unless Resler's speed of sound happens to be a property of 
the fluid. This is the case when entropy is constant along streamlines, as mentioned previously, but also 
when a reacting gas  undergoes very similar rates of expansion along all stream tubes. In the latter case the 
entropy need not be constant but since p will have a unique relationship with ρ the derivative that defines 
Resler's  speed  of  sound  becomes  independent  of  direction,  and  equation  5.7  is  then  a  compatibility 
equation.


Apart  from  its  practical  application,  Resler's  speed  of  sound  and  associated  characteristic  direction 
provides  a  philosophical  bridge between the frozen and equilibrium characteristics.  The idea that  the 
characteristic direction makes an instantaneous transition from frozen to equilibrium at the moment the 
flow reaches equilibrium [17], does not help explain why the equilibrium characteristics are relevant to 
any flow, since there must always be a small departure from equilibrium to drive the state changes. On 
that basis one should expect the characteristic direction to always be set by the speed of sound with every 
internal energy mode frozen, not only chemical but also the electronic, vibrational, and rotational states. 
Adopting Resler's approach, transition to equilibrium characteristics is a gradual process occurring as the 
rate of change becomes sufficiently low that it does not affect the way pressure varies with density.


5.4 Loosely coupled solution
Integration of equation 5.7 is straightforward when there is a unique relationship between the variables p, 
ρ and w (and hence also β via equations 5.5 and 5.7) The flow field calculation may be greatly simplified 
by direct integration (and tabulation) of the second term in equation 5.7 prior to the generation of the 
characteristic mesh.


For the general  case of  a reacting ideal  mixture of  ideal  gases, the task is perhaps clearest  when the 
equation of state,  p=ρRT, where  R is the mixture's gas constant, is used to recast equation 5.7  into the 
form,


± ' RT
w−2 ln p ' sin


y 21
=0 (5.9)


The usual  finite difference technique can be applied provided one has tables of the generally slowly-
varying  integrand  and  ln(p)  for  the  three  streamlines  bridged  by  the  characteristics.  These  are  the 
streamlines at the origin of the left and right running characteristics and the streamline at their intersection. 
The problem is split into two weakly coupled parts: The fluid dynamic problem of solving the momentum 
and continuity  equations  for  pressure  and streamline  angle  using MOC; and the  thermodynamic  and 
chemical kinetic problem of establishing the state of the gas along streamlines. The appropriate start to the 
solution  is  problem  dependent,  but  in  general  one  makes  some  approximation  for  the  gas  state 
development, computes the flowfield and then records how the calculated rate of change of temperature 
(dT/dt)  varies  with  temperature,  T,  along  streamlines.  This  relationship  is  then  applied  in  a  second 
thermodynamic calculation of the gas state to improve the approximate relationship between the integrand 
and ln(p), before recomputing the flowfield. Two or three iterations may be required.
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5.5 Energy and chemistry along streamlines
The thermodynamic  properties  of  an ideal  mixture  of  ideal  gases  can be determined  from the molar 
concentrations  ci of its constituent species (index  i) and its temperature. Therefore the thermodynamic 
aspect of the non-equilibrium flowfield solution may be simply stated as; find ci as a function of T along 
particular streamlines, given dT/dt computed by MOC.


Noting specific stagnation enthalpy (J/kg) does not vary along a streamline, the differential form of the 
first law for this steady-state system may be written,


∑ c i dhi∑ hid civw dw=0 (5.10)


where hi is the species molar enthalpy (J/mol) including the enthalpy of formation. The subscript v refers 
to concentration changes that  result  from chemical  reactions  at  constant  volume.  The total  change in 
concentration of species i is,


dc i=d c ivc i d / (5.11)


The chemical changes are calculated from an appropriate chemical  kinetic scheme and an example is 
given in the following section.


Combination of equation 5.10 with the z momentum equation 5.3, provides an expression for the  stream 
wise change in pressure,


dp=∑ c i dhi∑ hid civ (5.12)


Summing equation 5.11 over all species and combining with the ideal gas equation of state provides an 
expression for the density change,


d 



=dp
p


−dT
T


−
∑ d civ


∑ ci


(5.13)


which after substitution back into equation 5.11, allows species concentrations to be found by numerical 
integration.  Here  we  used  the  accurate  and  stable  Scilab  function  ODE  (www.scilab.org).  For 
convenience, temperature was used as the independent variable by application of the chain rule,


d ci


dT
=


dc i


dt
dt
dT


(5.14)


Resler's sound speed is obtained directly from the differentials for p and ρ (equations 5.12 and 5.13).


5.6 Fuel/Air chemistry
The temporal rate of change of concentrations at constant volume are found from,


∂ c
∂ t v


=N J̇ ,    J̇ j=kf j∏ ci
N ij


-


−kr j∏ ci
N ij


+


(5.15)


N is the matrix of stoichiometric coefficients defining the reaction scheme, with those species involved in 
the forward reaction given negative values; J̇  is the vector of reaction rates with element  j defined 
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above, note the separation of the positive and negative values of N; kfj and krf are the forward and reverse 
reaction rates respectively.


The forward rate constant are normally calculated from empirical correlations in the form,


kf j=B j A jT
n j exp −T j /T  (5.16)


where  Aj,  nj,  and  Tj (the  activation  temperature  of  reaction  j)  are  constants  defined  by  the  reaction 
mechanism, and Bj=1 unless a third body molecule is involved, in which case, B j=∑i


ij ci  where εij 


is the third body efficiency of species i in reaction j.


The reverse rate is calculated from the forward rate and the equilibrium constant, Kj,


kr j=
kf j


K j RT
p0 ∑i


Nij


       K j=exp−G0


R T  (5.17)


with Kj calculated from the change in Gibbs free energy, ΔG0, at the reference pressure, p0=105Pa. R is 
the universal gas constant in J/mol/K and all thermodynamic properties of the individual species can be 
calculated from polynomials for specific heat such as those provided in the thermo.inp file of CEA [18].


5.7 Frozen characteristics
The established characteristic direction within a non-equilibrium flow is that set by Mach number based 
on the frozen speed of sound, Mf. The compatibility relations may be obtained by substitution of wz from 
equation 5.2 into equation 5.1 and adding to the multiple of equation 5.4 and βf resulting in,


n f z
 f pn−pz


w2 
z



=−sin


y (5.18)


The density derivative along the streamline is found from equation 5.13 with the temperature derivative 
obtained from equation 5.12 by recognising dhi=Cpi dT. The result is,


d 



=dp
p


−
dp−∑ hi d c iv


T∑ ci C pi


−
∑ d c iv
∑ c i


(5.19)


Now since, 


w2=M f
2  f RT= f p f


21 (5.20)


where γf is the ratio of specific heats with locally frozen chemistry. Substitution of equation 5.19 into 5.18 
provides the compatibility relations,


±'
 f p '
w2 


sin
M f y


=
∑ hi ∂ ci /∂ z v
M f T∑ ci C pi



∑ ∂ ci /∂ z v


M f∑ ci


(5.21)


Note that the partial derivatives on the right hand side are direct functions of the local state (not gradients 
in  state)  in  the  manner  outlined  in  the  section  on  chemistry and  therefore,  unlike  equation  5.7,  this 
equation is always an ordinary differential equation. That is,  βf is always a characteristic direction, even 
within an equilibrium flow, but clearly in that case there is more than one characteristic direction.
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Having shown that  β is also a characteristic direction in restricted cases, the choice of what direction to 
take in an application of MOC is a question of which allows the most direct and accurate solution. At a 
time when CFD flow field solutions locked to geometric grids and coordinates are common, there may be 
less resistance to the application of equation 5.7 than Resler encountered, even in the case where the 
relationship between density and pressure varies from streamline to streamline and  β is  not  strictly a 
characteristic direction. However there are some supersonic flow fields within which  β is complex and 
hence undefined just as it is in subsonic flow.


6 CONCLUSIONS


• The aim of nozzle design is to maximise the increase in stream thrust between that at the nozzle 
throat and that at the nozzle exit.


• Prior  to  contour  design  it  is  necessary to  determine  the  optimum exit  area  and thrust  vector 
orientation under constraints imposed by the vehicle and its mission. The propulsive stream thrust 
is likely to make a substantial contribution to lift and moments. Choice of an appropriate control 
volume simplifies this task.


• Rao's method provides a means to maximise nozzle thrust when constrained by length.


• Stream tracing allows complex 3D geometry to be obtained from 2D (or 1D) template flowfields, 
if required for better vehicle integration.


• MOC  enables  the  contour  to  be  developed  for  reacting,  non-equilibrium  expansions,  and  is 
simplified by taking Resler's characteristic direction.
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ABSTRACT 


The lecture of the RTO-AVT-VKI course “HIGH SPEED PROPULSION: ENGINE DESIGN – 
INTEGRATION AND THERMAL MANAGEMENT” was given at the Von Karman Institute in September 
2010 and in the Wright State University in December 2010. The present lecture was focused first on the 
estimation of the heat loads on a scramjet or a dual-mode ramjet. Solutions to sustain such high energy 
are secondly described and the lecture addresses how to combine materials, cooling techniques and 
system requirements. A simple exercise was proposed to the attendees as an illustrative understanding of 
regeneratively cooled generic scramjet flying at Mach 7. The results are based on published information, 
and additional details, presented to the lecturers, can be found in the references. 


RESUME 


Le stage RTO-AVT-VKI “HIGH SPEED PROPULSION: ENGINE DESIGN – INTEGRATION AND 
THERMAL MANAGEMENT” fut donné à l’Institut Von Karman en septembre 2010 et à l’Université 
Wright de Dayton (Ohio, USA) en décembre 2010. Le présent cours aborde la tenue thermique. Il est basé 
sur des informations publiées, et des détails supplémentaires, présentés aux personnes qui suivaient le 
cours, pourront être trouvés dans les références bibliographiques. Trois aspects ont été discutés, avec 
éventuellement quelques calculs simples de compréhension : quelles sont les charges thermiques à 
supporter ? comment faire pour y résister ? quelles technologies font l’objet de travaux dans le monde ? 


CONTEXT 


Scramjets or Dual Mode Ramjets for High Speed Atmospheric Flight 
NASA, DOD, the U.S. industry and global community have studied scramjet-powered hypersonic vehicles 
for over 40 years [1] [10] [22]. 


In a large part of the flight regime, the air-breathing mode appears to be a good possible solution for future 
Reusable Space Launchers (RSL). Dual-mode ramjets have been studied to propel such TSTO (Two Stage 
To Orbit) or Single Stage To Orbit (SSTO) vehicles. For example, in the scope of the French PREPHA 
program, the study of a generic SSTO vehicle led to conclusion that the best type of airbreathing engine 
could be the dual-mode ramjet (subsonic then supersonic combustion).  


Airbreathing launchers could typically use hydrogen-fuelled DMR. Less energetic fuels like hydrocarbons 
could also be used at a Mach number lower than 8, to take advantage of their higher density. In this case, 
the engine must be able to manage two different fuels. 
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High speed aircraft could use hydrogen, liquid hydrocarbon (kerosene or endothermic fuels like JP7) or 
methane. 


Hypersonic military applications and associated DMR or scramjets are typically associated with liquid 
hydrocarbons and a maximum Mach number of 8 (missiles). 


For most of these applications, the scramjet is not used alone but is generally one particular operation of a 
dual-mode ramjet (DMR): a ramjet able to operate in subsonic combustion (for a flight Mach number 
between 1.5 and 6 for example) then in supersonic combustion (for a flight Mach number over 6 for 
example). 


In a supersonic combustion ramjet, while heat release is equivalent to cross section decrease, the Mach 
number decreases (but remains supersonic) while the pressure and the temperature increase. 1D and 3D 
computational tools are used in connection of testing to optimize the engine. An example is given in [13], 
for a supersonic combustion chamber tested under Mach 6 flight conditions for two fuelling conditions. 


Two main challenges are attached to scramjet or DMR:  


1) To ensure a sufficient aeropropulsive balance (which could lead to particular flow-path contours 
and to have variable geometries). 


2) To ensure sufficient thermal and mechanical strength (topic of the present lecture). 


foyer
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facilities : limited


endothermic fuels


extremely severe 
environment in combustor


1 to 10 MW/m²


optimised
aero-propulsive balance


T + D + F + W = Acc


Acc


 


Figure 1: The two main challenges for scramjet design. 


Two main ways of approach are possible for the DMR: a fixed or a highly variable geometry. The 
propulsive performance (thrust, consumption) of the DMR have to be optimised, computed and at-best 
demonstrated. But a major concern is the capacity to build such an engine, and to estimate and 
demonstrate its robustness and its weight. 


The scale factor is also a big issue, from small vehicles like missiles or X51 demonstrator up to huge 
scramjet for high speed aircraft or future reusable launch vehicle. The capture area Ac determines the air 
ingested then fuel mass flow (that can be used to actively cool the engine) while the wetted area Aw is the 
one to be cooled : we should maximise the first one and minimize the second one. 
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Table 1: Size and characteristic areas of scramjet propelled vehicles. 


 


An intermediate size has sometimes been studied (30 meters 30 tons vehicle). 


The variable geometry can be limited to a single degree of freedom, of rotating or –the example chosen 
here- in translating a cowl that modifies simultaneously the minimum cross section of the air intake and 
the combustor geometry [8]. 


Fuel injection:
kerosene, H2


Mobile flameholder


Geometric throatVariable geometry
combustion chamber


Mobile cowl


Fuel injection:
kerosene, H2


Mobile flameholder


Geometric throatVariable geometry
combustion chamber


Mobile cowlHigh Mach flight
Low Mach flight


 


Figure 2: Translating cowl DMR concept. 


The computed flow-field in such an engine served as a reference in the present lecture, to understand the 
thermodynamic parameters in the combustor or to estimate ‘by hand calculations’ the local heat transfer. 


The figures below give these reference values for Mach number, static pressure and static temperature 
[69]. 
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Figure 3: Local Mach number in a scramjet combustor [69]. 
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Figure 4: Pressure contour along the scramjet [69]. 
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Figure 5: Static temperature contour in the scramjet [69]. 


Flying Above the “Thermal Barrier” 
If Mach 1 is the “sound barrier”, Mach 5 is generally considered as the “heat barrier”, because of the 
thermodynamic effect on the air and mostly because of the fusion of stagnation points in classical 
materials due to the high kinetic heating [37]. 


Stagnation temperature increases with the square of the flight Mach number. 
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Figure 6: Dramatic increase of stagnation temperature with flight Mach number. 


The vehicle becomes more and more hot, but can radiate to the cold atmosphere and limit in temperature, 
et least far from the stagnation points. The engine, in opposite, is a closed box and can not evacuate so 
simply the heat, and moreover the combustion adds energy. 


To solve this issue, the engineering team has to estimate the heat loads and then to design solutions to 
afford them. 
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Figure 7: Scramjet thermal management. 


ESTIMATE THE HEAT LOADS 


Generalities 
The heat loads have to be estimated and checked, and associate with time (duration) and also gas nature 
(O2 ? H20 ? CO2 ?) in contact with the hot wall of the scramjet. 


The heat loads can be measured with different techniques, but the analysis and the preparation of the 
acquired data has to be done carefully. Inverse techniques and measurement analysis require special 
awareness; see for example [19]. 


The heat loads (hot gases recovery temperature Taw, convective heat transfer coefficient hg for each 
trajectory point) are mainly investigated with several semi-empirical methods. 


Heat transfer rate 
density (W/m²) q h Tath Tpcv = × −( )


Tath Ti


hath hs r V
≈


= + ×
²


2


r : recovery factor (typical value : r= 0,9 
for turbulent boundary layer)


Stanton number :


St
q


V h h
cv


e e ath p
=


× × −ρ ( )2
:analogy Reynolds Cf


Sts =


 


Figure 8: Heat flux density (convection). 







Scramjet Thermal Management  


13 - 8 RTO-EN-AVT-185 


 


 


Heat Loads Estimate for walls – Industrial Methods 
The CFD can more and more be used to determine the heat loads and especially the local heterogeneities. 
An example of 3D computational results of a high speed scramjet (CEDRE code with Reynolds-Averaged 
Navier-Stokes equations solver, regular turbulence model and medium-detailed kinetic modelling of 
fuel/air combustion) shows how the heat loads can vary with 3 increasing values of the injected 
equivalence ratio [20]. 


W/m²


 


Figure 9: 3D reactive computation of scramjet: heat flux density [20]. 


As an other example, the 1-D code PUMA (French acronym for One-dimensional Program for Analysis of 
Aerothermochemistry) is used extensively by MBDA for advanced studies of scramjets and to provide a 
first analysis of experimental results such as CHAMOIS one [13]. The PUMA code is also used to estimate 
the heat fluxes along the DMR combustor. The heat transfer coefficient is estimated using semi-empirical 
Colburn law in a duct. To take into account compressibility effects and non-adiabatic wall conditions, the 
Spalding and Chi equation has been used [21].  


For several CHAMOIS scramjet test results, the PUMA-computed heat fluxes have been compared with 
the post-processed results of the heat-flux-meters. Because CHAMOIS is a heat-sink mock-up, the wall 
temperature varies with time and varies spatially along the duct. Inverse methods are used to take into 
account the delay due to heat propagation between the two thermocouples of the heat-flux-meter. The 
results obtained by the above formula with PUMA computation were in good agreement with 
experimental data.  
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Figure 10: Computed and measurement heat flux for CHAMOIS scramjet test [21]. 


The radiation of hot species is generally neglected in scramjet environment, considered as “hidden” in the 
uncertainty coefficient (of 30 % for example) we will add to the convective heat flux estimating. 
Nevertheless, the overall level of gas radiation (mainly H2O, CO2 and CO) can be estimated and 
compared with the convective heat fluxes. For that, the modified shack formulae can be used [36]. 
 


Heat Loads Estimate for Walls – Rapid Estimate 
For rapid estimate, it is possible to use the Colburn formula. The heat transfer coefficient is then taken 
from the Nusselt definition. Turbulent flow is liable to be assumed in scramjets and dual-mode ramjets. 


Heat Loads Estimate for Struts Leading Edges 
The heat loads (hot gases recovery temperature Taw, convective heat transfer coefficient hg for each 
trajectory point) are mainly investigated with several semi-empirical methods. 


For a typical SSTO trajectory at a constant dynamic pressure of 60000 PA, and for typical foreboby and 
air intake assumptions [6][7][8], the stagnation heat flux density )( TwTawhg −× on the leading edge of 
radius re can be estimated from the following formulas up to a flight Mach number Mf from 5 to 15: 
 


(W/m²/K)
(m) 


)76  54(
re
Mfhg −×


=  


318 + M4,5729 - ²M42,705 + M0,8196 Taw fff(K)  
3 ×××=  
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In case of shock/shock interaction, the local heat transfer could sometimes be lower and often much higher 
(type III or IV interactions). An example is given in the Schlieren below, for a leading edge radius of 3mm 
and a free stream Mach number of 4.96 [17]. 


Type IVType IV


 


Figure 11: Type IV interaction studied at CNRS SH2 wind tunnel. 


Analytical formula and specific computational tools have been specifically set and are used to estimate the 
overloading on 1.5 to 3 mm radius leading edges [17].  


SUSTAIN THE HEAT LOADS 


Different techniques can be employed, that were generally already used on other systems [23][25][27] 
[38][39] [45][58]. 


Heat Sink Structure 
The heat sink solution is very often preferred for combustion process experimental studies, where a test 
duration of less than 15 s in enough to document different combustion results while varying operating 
conditions (equivalence ratio change generally). The walls are either on stainless steel (NS30 – A310 for 
example) like CHAMOIS or copper-type material like the CLEA engine in ATD5 at ONERA [20].  
A Thermal Barrier Coating can be added on the two solutions.  
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ATD 5 - CLEA
(ONERA Palaiseau)


CHAMOIS (MBDA Bourges)


Copper-type with or without thermal barrier Stainless steel with or without thermal barrier  


Figure 12: Examples of heat sink scramjet combustion mock-up for ground testing. 


For experimental vehicles, if the test duration is small, the same technique is used (X43-A [22] [68] or 
LEA [41]), while X51 uses a regeneratively cooled engine, for several minutes of operation [52]. 


Ablative thermal protection or insulation are used for ramjets [45] but the temperature and heat fluxes 
levels in a scramjet require other solutions. 


Radiation Cooling 


428 ..10.67,5 −−−= KmWσ


)( 44
spRay TTq −××= σε


 


If the structure can sustain very high temperature with a good conductivity and emissivity, at moderate 
heat loads, it could be possible to use the outside radiation, as it was made in the 90’s at Moscow Aviation 
Institute under Mach 6 flight conditions. The combustor was made of Niobium. 


 


Figure 13: Massive Niobium scramjet combustor under Mach 6 flight conditions testing (MAI). 


The stiffeners have also an ailette (fin) thermal effect.  


Active Cooling 1: Regenerative Cooling – Fuel Cooled Structures 
Here the fuel is used to cool the engine, before to be injected in it. The coolant is generally directly the 
fuel, secondary loops systems (indirect cooling through an additional coolant in closed loop) are not used 
for scramjets because of complexity and weight. 
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Several circuits of active cooling systems had been compared to ensure good behaviour of the engine 
walls, with respect of the combustion-required fuel mass flow in many “paper” studies. Many 
configurations of cooling have been envisaged, such as series of channels of rectangular shape or pin fins 
channels. The pin-fin circuit (Figure 14) was confirmed in different studies as more efficient [26] than the 
more classical machined-channels. 


 


Figure 14: Pin fin configuration of cooling channel. 


One of the interest of the pin-fin circuit is the easy management along the walls of the DMR combustor, 
which is often diverging. Nevertheless, this promising technique of pin fin cooling seems often more 
difficult to be used for manufacturing reasons. 


The interest of using composite structures (able to operate at temperature over 1800 K in oxidizing 
environment and with a typical density of 2) have been demonstrated thanks to several analytical and 
computational studies and to actual technology experimental testing (benefit in weight, benefit in thermal 
capability, benefit in injection strut drag, …)[50]. It will be addressed later in the present document.  
 
Parametric studies have been performed, with the trajectory effect: the increase of the flight dynamic 
pressure has been demonstrated as a benefit for such a hypersonic airbreathing vehicle (it is the opposite in 
case of heat sink or radiative cooling). 
 


Active Cooling 2: Injection, Effusion, Film 
It is also possible to use an injection cooling technique through a slot (film cooling) or a multi-perforated 
or porous wall (effusion, transpiration, …). Coolant can be air (if it is still enough cold to cool the wall to 
stay under its material limitation) or fuel (a small part of the total mass flow to still have performance) … 


The effect of mass and energy addition in the boundary layer reducing the heat fluxes experimented by the 
wall can be estimated through semi-empirical results like Rubesin or Kays and Crawford. 


CFD can nowadays be used in addition to semi-empirical correlations for the design of such cooling 
systems, even if some issues exist, especially with commercial codes [61][62]. 


The effect of coolant nature (due to its specific heat mainly) can also been investigated by CFD, as on the 
example below. 
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Figure 15: Effusion cooling efficiency in supersonic flow measured  
at ITLR and computed by ESTEC for different fluids. 


Different approaches can be used to compute the heat transfer in the porous medium that constitutes the 
hot wall of the scramjet. Examples are given below on the supersonic basic ITLR experiment [61][62][60]. 


 


Figure 16: ITLR experimental work on supersonic flow with transpiration wall cooling in ATLLAS 27. 
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Figure 17: Comparison of two numerical approaches for ITLR transpiration experiment. 


Examples of Cooled Structures 
Advanced cooled structures have been studied worldwide for application to heat exchangers, high speed 
vehicles, scramjets and dual-mode ramjets (DMR) (subsonic then supersonic combustion) [14] [26] as 
well as future liquid rocket engines (LRE) [28][25].  


They use high temperature materials, metallic and more and more composite (C/SiC, SiC/SiC, 
C/C/SiC…).  


Different cooling techniques are used. To achieve performance and to limit the risk, the cooled structures 
are combining these different existing possibilities, leading often to complicate and costly structures.  


For example, the channels have to accommodate the change of height of the flow-path (an advantage of 
pin fin approach is to avoid these confluence problems). Local overheating due to local burning or shock – 
boundary layer interaction lead to local heat picks, that should be locally solved by local enhancement of 
the heat transfer or injection cooling. 


Metallic Cooled Structures 


Often derived from the technology developed for liquid rocket engines, some metallic cooled structures 
are used, especially if the flight Mach number is “limited”, for example at Mach 6.5. 


Two vehicles have flown with scramjet engines cooled by the fuel with such metallic technology: the 
Kholod axisymmetric hydrogen-fuelled dual-mode ramjet [67] and the hydrocarbon-fuelled X51 
demonstrator [51][52]. 


Advanced Metallic Cooled Thermal Protection 


Within the scope of WRR project, more than 30 variants of designs for actively and passively cooled 
elements heat protective wall panels (“HPE”) had been tested in MAI centre since 1994 [69].  


Due to the WRR Prototype definition [5] [8], the most important parameter of heat protecting elements 
HPE (after demonstration of its capacity to withstand the heat flux with the available fuel mass flow) is the 
weight per unit area. MAI approached a metallic HPE specific weight lower than 12 kg/m2 (assumption of 
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the system studies, as shown in [8] and [50]). But the technology is quite complex (twin-deck 
construction, pin fin and internal turbulence enhancement, advanced metallic materials) [14]. 


 
Other advanced metallic techniques are described for example in [26][10][11][71]. 


Ceramic or Metallic/CMC Composite Structures 


Many technologies are under investigation, to take benefit of the high temperature capability of the 
Ceramic Matric Composite materials (1850 K demonstrated during several minutes in oxidative 
environment within PTAH-SOCAR work) : C/C/SiC or C/SiC. 


1) Some of them associate metallic tubes or panels with CMC hot structures in Europe, USA, Japan, China 
… [1][2][25][33][46][47][54][56][59][61] [71]. 


2) Others composite cooled structures are based on the linking of different CMC materials. 


In this class of architecture, the channels are machined in the CMC panels which are then fixed together. 


The joining can be done: 


• By screws or by “sock” principle. 


• By special gluing like in the Saint Elme demonstration [19] (Figure 41). 


• By brazing like in the A3CP technology [56][57][60]. 


3) One of the problems to be solved is the management of the 2D shapes of most of the scramjet ducts 
(assembly of panels on corners where the gas pressure load lead to maximum stress). Monobloc composite 
structure has then an interest compared to the two previous techniques. PTAH-SOCAR technology is one 
example of this monobloc cooled CMC approach. 


Composite PTAH-SOCAR Technology 


This In-house R&T effort of MBDA FRANCE and EADS leads to a low cost, highly reliable, effective 
Fuel-Cooled structure technology, called PTAH-SOCAR. The patented idea has been to develop and 
preliminary check a concept of C/SiC structure with the following advantages: 


• No bonding system (nor brazing, nor gluing…). 


• Complete combustion chamber structure in one part (“monobloc”). 


• Limitation of connecting problems. 


• No problem for realizing corners of a 2D combustor. 


• Limitation of possible leakage problems. 


• No need of machining internal channels. 


• Easier integration of specific systems (injectors, flame-holders..). 


As shown on Figure 18 the main ideas for the manufacturing of a whole DMR engine with PTAH-
SOCAR are the following: 


• Monobloc actively cooled combustion chamber obtained at preform state before its densification 
process (whatever this one : C/C or C/SiC, CVI or LSI). 


• Linking by stitching of complex woven performs. 
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• Hot and cold skins linked together by stitching with carbon yarn. 


• Stitching treads go through the cooling channel. 


• Back structure needed to hold the combustion chamber pressure (may be external or integrated at 
preform state, based on carbon honeycomb, corrugated skin or a system of O3S assembled 
stiffeners). 


  


Figure 18: The monobloc CMC technology : PTAH-SOCAR. 


The PTAH-SOCAR specific weight for the heat protection system is lower than 10 kg/m2 (density of this 
CMC material is closed to 2000 kg/m3). With the back structure, the total specific weight is 30% lighter 
than metallic advanced cooled structures. 


The thermal behaviour of different PTAH-SOCAR cooled panels has been checked in scramjet 
environment during hot test series, with decreasing mass flows of coolant (gaseous nitrogen or liquid 
kerosene) [15]. Maximum wall temperature was over 1800 K without damage and the cumulative duration 
of hot tests was 5 minutes. The thermal design and associate models were demonstrated (Figure 18). 


The necessary models of the cooled structure and the associated feasibility were checked on the basis on 
gaseous densification, leading to C/C or C/SiC cooled structures.  


The period 1999/2001 was used to check with limited amount of funding and aggressive time schedule the 
key-points of the PTAH-SOCAR technology.  


The following periods have been allowing to secure a cost-effective densification technique for CMC and 
test more and more pieces in relevant environments (successful cycling testing of scramjet ducts and 
panels, high pressure tubes, ..).  


Demonstrated maximum temperature of hot wall is 1850K, demonstrated internal pressure of coolant is 
over 190 bar. 


Details can be found in [15][16][29][30][31][35][36][40][53]. 


Engineering of Coupled Phenomena in Cooled Scramjets 
Such a system is highly coupled, especially in case of active cooling.  


The study of the cooled structure is also a typical illustration of multi-physics coupled phenomena, as the 
figure below tries to illustrate [32]. 
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Figure 19: Coupled phenomena in cooled structures. 


Information can be found for example in [32] [60][61][62]. The approach associates: 


• Engineering codes like NANCY, CASTOR-FEM and semi-empirical data. 


• Detailed analysis with 3D/2D codes like CFD-ACE, SAMCEF, FLUENT, CFX, CEDRE, … 


• Multiphysics and conjugate problems… 


• Coupling of codes or multi-physic solver. 


• Step-by-step validation methodology to ensure correct prediction. 


Fuel Heat Sink Management 
Hydrogen is clearly the best fuel for scramjet, considering the heat release as well as the cooling capability 
(heat sink). But its density and storage conditions are not the best ones for the vehicle designer. 


For Mach 12 flight, the hydrogen mass flow is enough to cool the engine, despite the very high heat loads, 
and thanks to the high physical heat sink of hydrogen (15 MJ/kg). It is interesting to inject the fuel, as 
much as it is made possible to still have a good mixing process, in the axial direction, to take benefit of the 
fuel axial momentum, compensating the heat losses through the cooled walls. 
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• 1D computations with C/SiC 
hydrogen-cooled duct.


• Thermal models validated
with actual test.


• Interest of high temperature
injection (co-flow) at high
Mach number


WRR - Mach 12 - 0.06 kg/s H2 (trapez. 70-212 mm)
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Figure 20: Example of regeneratively cooled DMR (Mach 12). 


Up to Mach 8 flight conditions, if a storable hydrocarbon is used, like the American JP7, the Russian T15, 
more or less regular kerosene or synthesis fuels (China “number 3”, JP8, JP10, …), the physical effect of 
heat sink (about 1 MJ/kg) is not enough. But a maximum value of 5 MJ/kg can be reached if the pyrolysis 
is mastered, leading to endothermic decomposition in the cooling circuit but not to excessive coke deposit 
in the channels or in the injection ports. Need (fuel heat load) and capability (fuel heat sink) is below: 


 


Figure 21: Typical DMR head load with Mach number and heat sink capability of different fuels. 


Of course this hydrocarbon capability depends on the nature of the fuel, of the temperature history, of the 
local speed (residence time), noting that the fuel density can vary by two order of magnitudes during its 
heating. An example of the residence time and temperature in a scramjet regenerative circuit, and the 
following figure shows the computed composition at the exit (100% decomposition for this example) can 
be found in [49]. 
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Then, the basic work on endothermal fuels deals with experiment with different types or reactor as well as 
residence time and possible solid or liquid catalyst. The table below shows different types of such 
experiments, examples from literature below were discussed during the course. 


Table 2: Experiments on endothermic fuel cooling: overview. 


Type of experiment interest measurements 


Perfectly stirred reactor Detailed validation of kinetic modeling Detailed analysis (GC/MS)


Tube with 1 g/s of fuel Thermal and pyrolysis with actual residence 
time and simple circuit Detailed analysis (GC/MS)


Tube with 0,1 g/s of fuel Compare different process and fuels 
Define on-line measurement systems 


Detailed analysis (GC/MS)
FTIR 


Autoclave Compare different process and fuels 
Thermal or catalytical pyrolysis Simplified analysis 


Small panels or ducts Thermal behaviour, endurance with different 
fluids 


Thermocuple and pressure, 
generally no chemical 


analysis 


Real panels or engine 
components Real size behaviour 


Thermocuple and pressure, 
generally no chemical 


analysis 
 


For example, the MPP experiment at ONERA allows studying decomposition and basic supersonic 
combustion of fuel with a residence time corresponding to the ones expected in actual scramjet cooling 
systems, showing the influence of the main parameters (heating bloc temperature, fuel pressure and mass 
flow) on the temperature and composition at the exit of the MPP tube or of the heated transfer line (TL) 
used to carry the heated fuel (norpar) to the LAERTE basic combustion experiment [43]. 


Other results, mainly from USA, Russia and recently China can be found, for example in 
[1][33][42][43][51][59][64][65][66]. 


Modelling effort is also necessary. For example MBDA uses a detailed pyrolysis kinetic model of 
dodécane C12H26 developed with CNRS laboratory at NANCY [49]. 


This kind of model is not designed to adress coke deposition. A first approach to solve this coking 
prediction problem is to focus on C6H6 (as benzene is known to be a major coke promoter). If we 
consider that all C6H6 will turn into coke, the overall coke formation will be over-estimated and system 
studies could be performed on such basis. Heterogeneous reactions (catalyst from the wall, solid carbon 
formation) can also be documented and added if necessary in the pyrolysis modelling : coke deposit could 
be a main issue in the case of long cruise flight, reusable engine, but probably not in the case of short 
flight-time (10-15 min), non-reusable engine. 


These basic experiments in the first lines of table 2 allow also comparing different fuels or model-
hydrocarbons: 







Scramjet Thermal Management  


13 - 20 RTO-EN-AVT-185 


 


 


  


Figure 22: Basic comparison of fuels pyrolysis  
(left: decomposition rate in [44], right: coke deposit in [48]). 


Some work, like in the COMPARER project, aims at investigating instrumentation techniques (for 
example IR signal from hot fuel in the cooling channel) to be used to characterize, on-ground and possibly 
in-flight , the decomposed fuel to be injected [44]. 
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Figure 23: Laboratory demonstration of FTIR optical analysis of decomposed endothermic fuel [44]. 


Leading Edge and Stagnation Points 


Uncooled Leading Edges 


For the external leading edge of the vehicle, as well as for the wings or the air intake, uncooled leading 
edges have been studied and demonstrated. Different materials can be used : high conductivity and high 
temperature metallic alloys like passivated molybdenum or tungsten, C/SiC CMC composites, Ultra High 
Temperature Ceramic composites [61]. It should be noticed that in case of high conductivity, the decrease 
of leading edge radius can lead to lowering its temperature, because of 2D/3D conduction pick-up from 
the stagnation point to the lateral ones. 


This technique can sometimes be used, at “moderate” hypersonic speeds (flight Mach number of 6 for 
example), for the internally-located injection struts. 
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Regenerative Cooling of Leading Edges 


Different techniques can be used, generally the same as the ones used in blades cooling [23]. 


For example, the code CHARDON was another result of a many-years cooperation between MBDA and 
education/research institutes [11]. This engineering code is able to simulate the active cooling of leading 
edges and had been used in particular to design the cooling system of the St-Elme strut (Figure 24) [18]. 


 


Figure 24: St-Elme carbon/carbon strut components. 


The impingement cooling of the leading edge stagnation point can be seen on the body on Figure 24. 


FEM thermo-mechanical computations with anisotropy and temperature dependant characteristics 
(including the Protection Against Oxidation) have demonstrated that the stress is affordable by the 
material and that the CHARDON engineering code over-estimated the leading edge maximum 
temperature by 200K [18].  


The Saint Elme project allowed to test this protected C/C technology in the Bourges’ hypersonic test 
facility (now called METHYLE) [18][34][33]. 


Transpiration Cooling of Leading Edges 
Within the scope of WRR partnership, tests of metallic leading edge samples (the radius of bluntness is 
1.5 mm) have been conducted under strong shock/shock interaction conditions. Their results permit to be 
confident in the capability of the optimised porous leading edge to work up to Mach 12 conditions. 
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Figure 25: WRR transpiration-cooled metallic leading edge during test. 


The combination of high temperature composite with porous leading has been partially investigated during 
St-Elme [18] and PTAH-SOCAR studies. The potential interest has been computed, but the corresponding 
technology cannot yet be considered as demonstrated. 


Some activities are in progress especially with DLR technology to investigate more deeply the actual 
capability of using porous CMC leading edges for injection struts of scramjets [61]. 


Demonstrated Minimum Radius of Scramjet Injection Strut Leading Edge 


The technological work and associated studies from MBDA and their partners allowed giving on Table 3 a 
summary of the minimum radii for injection struts or pylons of DMR, operating up to Mach 12 with GH2 
as coolant. 


Table 3: Demonstrated radius for scramjet injection struts leading edges. 


 metallic composite 


Example of Material Narloy-Z 
Inconel 


Carbon-Carbon, 
Protected Against 


Oxidation 
Convective cooling 


(impingement) 3 mm 1.7 mm 


Transpiration/effusion 1.5 mm Not yet 
demonstrated 


 


The technological effort can lead to secure these data that can currently be used for the aerodynamic 
design of scramjet injection systems. 
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EXERCISE (“BY HAND” CALCULATION) 


Generic Scramjet Considered 
A generic scramjet has been set to be able to do “by hand” simple estimating of such thermal management. 


The considered flight Mach number is Mach 7. This generic scholar scramjet was used with simple 
calculations to investigate the thermal heat fluxes, the cooling requirements, and compare different 
solutions (metallic or ceramic composite structures) or possible strategy of cooling of the complete engine 
(air intake, combustor and nozzle). 


The corresponding mass flows are, for conditions close to the ones described on Figure 3, Figure 4, and 
Figure 5, the following: 


• Air mass flow about 7 kg/s. 


• Hydrocarbon fuel mass flow: 0.5 kg/s at ER=1 (acceleration). 


• Cruise conditions assumed at ER=0.6: fuel mass flow: 0.3 kg/s. 


Estimation of the Heat Loads 
For the burnt gases, a Cp/cv=1.26 and r=287 J/kg/K can be taken into account. 


The simple technique summarized in §2.3 can be used to estimate the heat loads in the air intake (taken at 
the entry of the combustor), in the combustor (taken at the exit, where local Mach number is 1.4 and static 
pressure raised up to 1 bar (use Figure 3, Figure 4 and Figure 5). 


The computed heat flux densities are: 


• 720 W/m²/K *(2148 K – Twall) in the air intake (0.8 MW/m² if Twall=1000K). 


• 519 W/m²/K * (3073 K – Twall) in the combustor (1.1 MW/M² with Twall=1000K). 


After some additional computation (isentropic expansion from the exit of the combustor up to the nozzle 
exit chosen area), the same estimating can be done in the nozzle. 


Estimation of Different Solutions for Active Cooling 
The computed heat loads can then be used, after a security-uncertainty treatment (here we took 30 % more 
than the Colburn formula, to estimate the cooling strategy of the considered scramjet. 


We first consider only the combustor cooled with the available fuel (H/C or H2), with water (ground 
testing), alone or with air intake and nozzles (in this case we should reserve a part of the coolant flow and 
use for example only 58% for the combustor). The water mass flow was chosen to avoid local boiling. 


This estimating highlights the big heat sink capacity of H2 as well as the possible problem due to the 
moderate hydrocarbon heat sink. 


The following example deals with acceleration phase, at Mach 7, with a chosen repartition of fuel flow for 
the cooling of the air intake (co-flow heat exchanger), the combustor (counter flow cooling) and part of 
the nozzle (the other part is assumed to be radiatively cooled). For this case the total hydrocarbon fuel 
mass flow available is 0.5 kg/s (ER = 1). 







Scramjet Thermal Management  


13 - 24 RTO-EN-AVT-185 


 


 


The cruise condition can also be estimated. We assume that, due to the lower equivalence ratio, the hot gas 
temperature is 20 % lower, and that the heat transfer coefficient was not changed enough to be taken into 
account (mostly dependant on the total gas flow). The total mass flow is here only 0.3 kg/s. 


With metallic structure, we are close to the limit of the hydrocarbon fuel (5MJ/kg), then it is interesting to 
estimate the benefit we could have while using a CMC technology, leading to a wall temperature of 
1800K. Thus the heat load of the fuel leads to more practical values, for example 2.4 MJ/kg for the 
hydrocarbon-cooled combustor. 


Table 4: Result for metallic or CMC composite scramjet combustor. 


Heat transfer coefficient 675 W/m²/K 


Hot gas adiabatic recovery temperature 2460 K 


Type of structure Metallic CMC 


Associated hot wall temperature 1100 K 1800 K 


Heat flux density 917 kW/m² 444 kW/m² 


Combustor wetted area 0,95 m² 


Fuel mass flow available to cool the combustor 0.175 kg/s 


Fuel heat load 5 MJ/kg 2.4 MJ/kg 


 
This exercise just wanted to help the engineer or the scientist to manipulate simple formulae and figures in 
order to have better feeling of the scramjet thermal management issues. 
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ABSTRACT 


The RTO-AVT-VKI course “HIGH SPEED PROPULSION: ENGINE DESIGN – INTEGRATION AND 
THERMAL MANAGEMENT” was given at the Von Karman Institute in September 2010 and in the Wright 
State University (Dayton, Ohio) in early December 2010. The present lecture deals with the overall system 
analysis of scramjets, considering what is the optimum number of engine modules; comparison between 
fixed or movable geometry; effect of engine mass and size to on-trajectory-performance of an air-
breathing space launcher... The results are based on published information, and additional details, 
presented to the lecturers, can be found in the references. 


RÉSUMÉ 


Le stage RTO-AVT-VKI “HIGH SPEED PROPULSION: ENGINE DESIGN – INTEGRATION AND 
THERMAL MANAGEMENT” fut donné à l’Institut Von Karman en septembre 2010 et à l’Université 
Wright de Dayton (Ohio, USA) début décembre 2010. Le présent cours aborde l’analyse système globale 
des superstatoréacteurs, considérant par exemple le nombre optimal de modules propulsifs, la 
comparaison entre une géométrie fixe ou mobile, l’effet de la masse du système propulsif en regard de ses 
performances ou une façon de faire les compromis entre les différents paramètres lors d’un 
dimensionnement sur trajectoire d’un lanceur spatial aérobie générique. Il est basé sur des informations 
publiées, et des détails supplémentaires, présentés aux personnes qui suivaient le cours, pourront être 
trouvés dans les références bibliographiques. 


INTRODUCTION 


Nomenclature 
a Thickness of I-beam flanges 
b  Thickness of I-beam web 
d Distance between I-beam webs 
hg heat convection coefficient (W/m²/K) 
Mf Flight Mach number 
P Pressure for panels sizing 
Taw Adiabatic wall temperature (K) 
Tw Hot wall temperature 
re leading edge radius 


itlimσ  Maximum strength (MPa) 
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Acronyms 
CMC Ceramic matrix composite 
DCT Double Col Thermique 
DMR Dual-Mode Ramjet 
DOF Degrees Of Freedom 
FEM Finite Element Method (structures) 
FSR Full Scale Ramjet 
HPE Heat Protective Element 
MAI Moscow Aviation Institute 
PAO Protection Against Oxidation 
RBCC Rocket Based Combined Cycle 
RSL Reusable Space Launchers 
SSTO Single Stage to Orbit 
TOW Take-Off Weight 
TSTO Two Stage to Orbit 
WRR Wide Range Ramjet 


Introduction 
NASA, DOD, the U.S. industry and global community have studied scramjet-powered hypersonic vehicles 
for over 40 years, as it can be shown for example in the references 1, 2, 3, 4. 


In a large part of the flight regime, the air-breathing mode appears to be a good solution for future 
Reusable Space Launchers (RSL). Dual-mode ramjets have been studied to propel such TSTO (Two Stage 
To Orbit) or Single Stage To Orbit (SSTO) vehicles, or other kind of hypersonic vehicles. 


For example, in the scope of the French PREPHA program, the study of a generic SSTO vehicle led to 
conclusion that the best type of airbreathing engine could be the dual-mode ramjet (subsonic then 
supersonic combustion)5,6. 


Two main ways of approach are possible for the DMR: a fixed or a highly variable geometry. The 
propulsive performance (thrust, consumption) of the DMR have to be optimised, computed and at-best 
demonstrated.  


But a major concern is the capacity to build such an engine, and to estimate its robustness and its weight. 


Vehicle performance analysis, even simplified, is required to do the trade-off of all these characteristics of 
the propulsion system. 


EXAMPLES OF DUAL-MODE RAMJETS 


Propulsion for RLV and High Speed Aircraft 
Within most of the studies, the dual-mode ramjet has to operate on a wide part of the SSTO trajectory 
(typically Mach 3 or less to Mach 10 or more). Otherwise it does not pay off its weight (SSTO with only 
subsonic combustion ramjets associated with rocket engines are generally considered as non-very 
competitive to full-rocket vehicles). Then, the dual mode ramjet has to have an air intake with a movable 
geometry (at least the cowl, often the ramps). 


The typical height of the whole dual-mode ramjet is between 2.4 and 3 m at maximum capture, the typical 
total width is 10 m (could be divided in several modules), the engine length (internal duct only) is 5 to 6 m. 
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During the PREPHA studies, combustor with variable air intake but quite fixed geometry combustor had 
been chosen, mainly to be conservative on the engine technology. Some engines have been evaluated, 
such as “B1”, “B2” and “DCT” which was the final one in PREPHA7. 
 


 


Figure 1: DCT engine (2 modules). 


As the opposite, within the MBDA-FRANCE/MAI “WRR” partnership8, the studies have led to the 
concept of a Wide Range Ramjet with variable geometry. The air intake is variable, with a fixed throat. 
The combustor is variable also, and it is a dual-fuel engine. 
A sketch of the WRR engine is shown Figure 2. 


 


 


Figure 2: Scheme of WRR concept (above: Mach 3 geometry,  
below: geometry for flight Mach numbers over 7). 


WRR concept engines are designed to be able to propel a PREPHA class vehicle or SSTO launchers 
(typical TOW of 450 to 600 tons) and thus referred as « Full Scale Ramjet » (FSR). The height of the duct 
at the entrance of the FSR combustor is about 0.66 m. 
 


Propusion for Axisymmetric High Speed Vehicles 
In some of the advanced studies, the shape of the vehicle is mostly axisymetrical, and the movable 
geometry ramjet is more deeply integrated in the overall structure. 
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The variable geometry can be limited to a single degree of freedom, of rotating or –the example chosen 
here- in translating a cowl that modifies simultaneously the minimum cross section of the air intake and 
the combustor geometry. This solution, which is suitable for 2D engines and vehicles9, is also particularly 
adapted for axisymmetric vehicle. 


Fuel injection:
kerosene, H2


Mobile flameholder


Geometric throatVariable geometry
combustion chamber


Mobile cowl


Fuel injection:
kerosene, H2


Mobile flameholder


Geometric throatVariable geometry
combustion chamber


Mobile cowlHigh Mach flight
Low Mach flight


 


Figure 3: Translating cowl DMR concept. 


This concept is then used for the LEA experimental flight vehicle and can be used on the PREPHA-type 
vehicles, but also for other studies such as one of the LAPCAT high speed aircraft projects10 or the nano-
launcher project11. 


 


Figure 4: Space nano-launcher project with translating cowl DMR. 


Cooled Structures 
The high speed, in conjunction with combustion heat release and ‘close box effect’ of the DMR engine 
requires actively cooled structures. Different solutions are under study worldwide and are described for 
example in other lectures of the present course, such as 12. These structures are considered here for the 
integration, weight and mechanical point of view. 
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SYSTEM ASSESSMENT TECHNIQUE 


An analysis method has to be used to assess the effect of an increase (or a decrease) of performance and/or 
weight on the mission, for example on the “computed payload” for a SSTO or a RLV. Once the 
performance (thrust, consumption, weight) is identified as a function of flight Mach number and as size 
(geometrical capture area Ac), a parametric generic vehicle is used to compute the mission and the 
resulting masses.  


Different study levels can be used; a simple but efficient approach for trends studies is described here. 


Engine Performance Data Set 
Two examples are given below. 


The reference PREPHA dual-mode ramjet has a movable geometry inlet (mandatory to operate from Mach 
2 to Mach 12) but a fixed geometry combustion chamber. 
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Figure 5: Performance data set of DCT dual-mode ramjet (fixed combustor). 


The data set of Wide Range Ramjet variable geometry concept gives logically higher performance and 
mass. 
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Figure 6: Performance date set of WRR propulsion system. 


Example Of System Analysis Tool 
The increase of payload of a future SSTO reusable launcher must be quantifiable from the expected 
performance of the dual-mode ramjets in case of variable or fixed geometry. 


Thus, advanced studies have been carried out at MBDA-FRANCE to assess the potential interest of the 
variable geometry. Simple parametric calculations have been made on trajectories and weight breakdowns 
of a “rubber” generic SSTO vehicle. These kinds of studies had been performed in France within the 
framework of the PREPHA program6. MBDA-FRANCE/MAI partnership led to continue these studies 
focused on the propulsion point of view (no change of the “rubber” generic SSTO). Details can be found 
in Joint Propulsion Conference papers, presented in 199813, 199914 and 200015. 


Summarised in Figure 7, the iterative process is based on 3-DOF computer code using a rubber SSTO 
vehicle. This method was validated in particular with more detailed studies performed in PREPHA 
program16. The target is 80 km x 500 km (before circularisation), 28.5° for the PREPHA-type SSTO 
generic vehicle. 
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Figure 7: Methodology for propulsion oriented analysis  
of SSTO payload as a function of Take-Off Weight. 


Before to compare designed engines, a study had been made to check the possible interest of having a 
movable geometry combustor. The “B2” fixed combustor DMR computed performance was compared 
with a rubber (“caoutchouc”) dual-mode ramjet : its “rubber” geometry was optimized without any 
concern of feasibility, except the fact that the inner pressure was limited to 5 bar to avoid too heavy 
system. The result shows a big difference in computed payload, so the actuators and movable geometry 
system mass increase will not exceed the performance benefit of a movable geometry. 
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Figure 8: System comparison: potential interest of movable geometry. 
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MECHANICAL DESIGN 


Design Methodology 
The current projects conducted by MBDA-FRANCE and its partners and several years of study by young 
mechanical engineers led to create in the 1990’s a user’s guide for non-axisymetric hot ducts, with: 


• Analysis of the available literature. 


• Selection and development of advanced-study-level structural methods. 


• Comparison with Finite Element Method 3D computation of such a 2D engine module. 


• Comparison with available experimental studies. 


Some examples are given below and in the references. 


 


Figure 9: Preliminary mechanical analysis of DMR modules. 


This methodology is based mainly on the optimisation of a structure (minimisation of the structural 
weight) using quick formulas.  


Each wall is separately designed after modelization as a succession of I-shape beams. Each I-beam is 
defined to withstand the internal pressure P in the duct. Some minimum values for thickness are used such 
as a=1 mm or b=2% of the height of the I-beam to prevent from buckling. The maximum distance d 
between I-beams (of maximum affordable stress itlimσ ) is given by the formula for a given flange 
thickness a: 


it


Pad
lim


max
2
σ
×


×=  


After such a preliminary design, 2D or 3D FEM codes are used to take into account the 3D effects, the 
non-isotropy or the temperature-dependency of the materials. 


Typical Material Characteristics 
Two generic materials are used here to represent the two families of studied materials: Inconel 718 and 
Carbon/carbon composite materials, the last one assumed to be isotropic (!) and protected against 
oxidation. Table 1 shows the generic characteristics used for first level advanced studies; refinement is 
used for more detailed studies. 
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Table 1: Generic materials assumptions. 
 


 Inconel 718 Carbon-carbon or 
CMC composite 


density kg/m3 8150 1600 
Limit 


(traction/ 
compression) 


MPa 1050 180 


Limit (shear) MPa 525 20 
Young 


modulus GPa 150 70 


Example of Results 
This method has been applied to a small size dual-mode ramjet (missile or experimental vehicle), two 
different solutions have been investigated thanks to structural advanced analysis: one module of 414 mm 
width for the combustor or 2 modules of 212 mm. The two different kinds of generic materials were 
considered. The internal pressure for assumed to be 0.5 MPa. The results were the following: 


Table 2: Comparison of the effect of technology and number of modules for a small combustor. 


Type Inconel 718 Carbon-carbon or CMC 
1*414 mm 45 kg 35 kg 
2*212 mm 33 kg 23 kg 


In this particular case, the preferable concept appears to be the two modules one. The benefit thanks to the 
use of carbon/carbon structures has been estimated to be about 30%, with these assumptions. 


The DCT combustor has been extensively studied by MBDA-FRANCE by using these methods. With an 
internal pressure of 0.5 MPa and a choice of 6 modules, the typical height of the panels is 100 mm, and the 
distance between I-beams is 100mm. 


Mechanical Characterization of the Chosen Structure 
During the development phase, and even during the advanced study, some mechanical characterization 
and mechanical study have to be performed.  


An example is given with the fuel-cooled composite PTAH-SOCAR structure. Basic samples are 
manufactured and tested (in the figure below, it is a bending test in cold conditions) and computed with 
same tools that are used for the engine system study. 


 


Figure 10: Example of mechanical characterization and associated computations. 
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As soon as possible, a realistic demonstration has to be built and characterized under relevant boundary 
conditions.  


A characteristic example is given here on the PTAH-SOCAR composite technology. 


The FEM computations were made, before the manufacturing and the test of a concept of fuel-cooled 2D 
PTAH-SOCAR duct, with two approaches: a 3D homogeneous one with an engineering tool 
(CASTOR/CONCEPT code from CETIM) and a 3D anisotropic one (SAMCEF code) 17. 


Results can be shown in the figures below. 


 


Figure 11: Example of fuel-cooled scramjet duct mechanical 3D computations. 


The PSD ducts were then manufactured and tested in cold and hot conditions. For advanced studies, the 
agreement is quite good between computations and measurements18. 
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Figure 12: Example of mechanical test and computations  
of actual scramjet fuel-cooled composite structure. 


WEIGHT OF DUAL-MODE RAMJETS 


Metallic Structures 
The DMR performance (thrust, specific impulse, …) has to be completed with engine weight. This weight 
is preferably taken as a function of its capture area (mostly assumed to be linear.  


Metallic structures were assumed as a basis for the PREPHA and WRR studies. 


For example, the main technological assumptions for the FSR engine (of movable WRR type) are 
presented in detail in 13 and summarised on Table 3. 


Table 3: Assumptions for FSR mass estimation. 


Technology assumptions for FSR
Type of element Technology Weight


Heat Protection Elements convective cooling 12 kg/m²


Structural plates TiAl-alloy 21 kg/m²


Fuel injection struts Refractory steel 25 kg/m²


Actuators (e.g. 120 tons) Available technology 320 kg
 


The parameter of engine weight per air intake capture area (kg/m²) is often used to compare several 
concepts.  


With the assumptions detailed in 13, the comparison is the following: 
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Table 4: Specific weight of several DMR for SSTO. 


concept kg/m² type 
PREPHA 


“B1” 1000 DMR with ejectors (RBCC) and 
movable nozzle throat 


PREPHA 
“B2” 900 DMR with fixed combustor 


FSR 1015 WRR 
PREPHA 
“DCT” 905 DMR with fixed combustor and 


two positions of thermal throat 


Even with a fixed geometry combustor, it seems difficult to obtain an airbreathing engine weight of much 
less than 1000 kg/m² of capture area.  


The assumption of linearity of weight with capture area Ac has been validated in the required range for the 
DCT: mechanical design has been done for this engine for assumptions of 24 to 30 m² of capture area and 
for 4, 6 and 8 modules, with I-panels with a height of 100 mm (Inconel 718). 


Typical Mass Budget of WRR Movable Geometry Engine 
Typical distribution of mass of a movable geometry DMR, extracted from previous studies13, is 
summarised on Figure 13. 


horizontal panels
23%


vertical panels
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internal nozzle
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injection struts
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actuators
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Figure 13: Mass budget of a FSR. 


Considering only the combustor in this FSR example, for the whole SSTO, the weight of structures is 30 
% (about 7500 kg) and the injection struts represent 2% (about 500 kg). 
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Composite Structures 
The comparison between a metallic and a carbon/carbon structure for the same dual-mode ramjet has been 
evaluated 19, 20 and summarised on Table 2 page 9. 


A benefit of 30% in weight was estimated thanks to this analysis. 


The corresponding benefit in the weight engine if applied to a SSTO is more than 2 tons. 


Effect on SSTO Performance 
The effect of the DMR weight variation on the computed payload (or dry mass margin) of a SSTO could 
be more than the benefit in weight, as it can be seen Figure 14.  
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Figure 14: Illustration of snow-ball effect on generic SSTO of lighter DMR. 


On this figure, the sum of the computed payload and the DMR weight (in metric tons) is shown as a 
function of the capture area for a DMR assuming DCT performance and two different specific weights. 
The “light DCT” assumption is 50% less heavy than the DCT (specific weight formula below, in kg). 
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The lighter engine can be bigger, with a benefit in (computed) payload. The computed benefit is partly due 
to the “body” weight variation due to the lighter engine: the landing gear is assumed to be a function of the 
dry mass and is hidden in the “body” in the rubber SSTO present mass budget. The Figure 15 shows these 
weight breakdown tables with the same capture area “Ac” (non optimised) of 25 m². 


DM DCT Ac=25 LIGHT DCT 
Ac=25


Wing and tail 9,372 2,08% 9,372 2,08%
Body 36,510 8,11% 36,201 8,04%


Main Propulsion 22,591 5,02% 11,012 2,45%
OMS/RCS Propulsion 8,405 1,87% 8,405 1,87%
Others 10,370 2,30% 10,370 2,30%


Dry mass 87,247 19,37% 75,360 16,74%


Computed Payload 0,388 0,09% 13,048 2,90%
Other inert mass 9,655 2,14% 8,882 1,97%


In-orbit mass 97,290 21,60% 97,290 21,61%


LH2 mass 115,979 25,75% 115,979 25,76%
LOX mass 237,147 52,65% 237,147 52,66%
rmLOx/mLH2 2,045 2,045
Total mass 450,416 100% 450,416 100%


773 Kg


309 Kg


11579 Kg


 


Figure 15: Computed SSTO mass budget for two specific weights of the same DMR. 


The optimisation of the capture area led to a complementary benefit: as shown Figure 16, the computed 
payload is increased by about 13 tons when the DMR estimated weight is decreased by 10 tons (905*25 
kg – 440*28 kg). 







Structural Design of Dual-Mode 
Ramjets and Associated System Issues 


RTO-EN-AVT-185 14 - 15 


 


 


0


2


4


6


8


10


12


14


350 400 450 500 550


TOW (tons)


co
m


pu
te


d 
pa


yl
oa


d 
(to


ns
)


"LIGHT DCT" : 440 kg/m²


"DCT" : 905 kg/m²


 


Figure 16: Effect of DMR specific weight on computed  
payload as a function of SSTO take-off weight. 


The difference of 3 tons was also visible Figure 14. 


OTHER CONTRIBUTION TO SYSTEM ANALYSIS 


The techniques described above have led to several preliminary conclusions or informative results to be 
used for the system studies. 


Effect of Number of Modules 
On one hand, thermal analysis and performance estimation should give indications on the optimum 
number of modules (the wetted area is increasing with the number of modules). 


On the other hand, the mechanical effect of the number of modules has been investigated for a small size 
dual-mode ramjet (missile or experimental vehicle) and for DCT engine suited to SSTO. These two 
engines have fixed-geometry combustor. 


For the small engine, two different solutions have been investigated thanks to structural advanced analysis: 
one module of 414-mm width for the combustor or 2 modules of 212 mm.  


For the small combustor, the results are summarised in Table 5: 


Table 5: Comparison of the effect of the number of modules for a small combustor. 
 


Engine weight for Inconel 718 comment 


1*414 mm 45 kg One module 
2*212 mm 33 kg Two modules 


In this particular case, the preferable concept appears to be the two modules one.  
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The DCT engine has also been extensively studied to see the effect on the structural weight of two 
parameters: 


• Maximum capture area Ac (24 to 30 m²). 


• Number of modules (4, 6, 8). 


As shown during trajectory optimisations, these two parameters are eventually not independent.  
 


In Table 6, the value in parenthesis is the corresponding height of the I-shape panels. 


Table 6: Comparison of the effect of the number of modules  
for DCT engine (10 m width) for different capture area. 


Engine weight 
for Ac= 24 m² 27 m² 30 m² 


4 modules of 
2500 mm 


11790 kg 
(120 mm) 


14630 kg 
(100 mm) 


13790 kg 
(120 mm) 


6 modules of 
1660 mm 


9351 kg 
(100 mm) 


10600 kg 
(100 mm) 


12120 kg 
(100 mm) 


8 modules of 
1250 mm 


9965 kg 
(70 mm) 


11950 kg 
(100 mm) 


13820 kg 
(100 mm) 


 


DMR total weight


6


Number of DMR modules


Here n=2


 


Figure 17: Optimum mechanical design for the DCT engine of a generic SSTO vehicle. 


With these assumptions, 6 modules of 1.7 m width seem to be close to an optimum in term of mass. 


Scale Effect 
Some scale effect has been investigated, from the thermal and mechanical points of view, to extrapolate 
the ground test results that can not be performed on an engine with a width of several meters, due to mass 
flow limitations of available test facilities.  
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The scale factor is also a big issue, from small vehicles like missiles or X51 demonstrator up to huge 
scramjet for high speed aircraft or future reusable launch vehicle like the generic SSTO studied in the 
present document.  


The capture area Ac determines the air ingested then the fuel mass flow (that can be used to actively cool 
the engine). The engine wetted area Aw is the one to be cooled and to be taken into account the estimate 
the weight (while considering a structural weight of 20 kg/m² for example). 


Table 7: Size and characteristic areas of scramjet propelled vehicles. 
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An intermediate size has sometimes been studied (30 meters – 30 tons vehicle). 


A particular study had been realised with the WRR concept, that shows that it is easier to cool the FSR 
(the big engine of the SSTO RLV project) than the Prototype (CHAMOIS scramjet mock-up size : 0.25 
entry height by 0.2 wide, corresponding to the propulsion of the ‘intermediate vehicle’ of 30 tons). The 
necessary cooling power is reduced by about 50% in case of a unique module. For the mechanical point of 
view, it depends on the integration design, in first approximation we can consider that the weight engine 
remains proportional to the capture area Ac. 


In addition to scale effect, two other topics have to be considered and were discussed: 


• The general shape of the vehicle: an axisymmetric vehicle such as 10, 11 should have better 
volumetric and structural efficiency such as a waverider or a inward turning scoop like in the 
LAPCAT2 project from ESTEC. A “spaceplane” vehicle such as the one in the middle of Figure 7 
represents an intermediate class between the two. 


• The use of different classes of materials, especially ceramic composite, high temperature alloys, 
as discussed for example in the next paragraph and in 21. The performance, the technology, 
manufacturing and system readiness levels (TRL, MRL, SRL) have to be considered for the best 
choice for a given project and mission. 


POTENTIAL INTEREST OF COMPOSITE STRUCTURES 


The interest of using composite structures have been demonstrated thanks to several analytical and 
computational studies and to actual technology experimental testing (benefit in weight, benefit in thermal 
capability, benefit in injection strut drag, …).  


Analysis of Figure 16 showed for example that the expected 30 % benefit in engine weight should lead to 
a (computed) payload increase of 7000 kg for a SSTO of 500 tons TOW class.  
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Nevertheless the capacity of realising, using, fastening, monitoring and repairing large cooled composite 
structures for DMR has not yet been fully demonstrated. Some techniques such as the PTAH-SOCAR 
technology22 should help to limit drastically fastening problem and to enhance the confidence by ground 
test demonstration. This technology is for example considered by MBDA in its projects because of its 
good technology readiness level and its high performance.  


Other composite technologies are under study worldwide 12. 


Thus, one of the question to be solved by the designer is the choice between a back structure (that could be 
metallic) added to the fuel-cooled CMC composite engine structure or an integrated one. In the first case, 
the fuel-cooled structure has only to be able to sustain the thermal loads and the coolant inner pressure. In 
the second case, the CMC composite structure integrates stiffeners and should be able to carry the main 
efforts and hot gas pressures. 
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ABSTRACT 


Through the well-known framework contracts, the EU is continuously supporting innovative 
technologies that might facilitate a step change required for air transport in the second half of 
this century and beyond. One of these goals is assessing high-speed flight transportation and its 
related technologies which are explored in LAPCAT and ATLLAS both being co-funded by the 
EC. Recently, they have been successfully extended towards a 2nd phase within the 7th Framework 
Programme. Whereas LAPCAT focuses on high-speed propulsion and aerothermodynamics, 
ATLLAS addresses rather the need for light-weight and high-temperature resistant materials. 
The present paper summarizes the objectives and the achievements for each of these projects. The 
definitions and requirements for the different technologies enabling the design, construction and 
manufacturing of these vehicles and their sub-systems are driven by new conceptual designs 
which are carried out in each of them. This assures testing and evaluations at realistic 
conditions. 


1.0 INTRODUCTION 


Tendencies in aeronautics clearly show a continuous increase in air traffic (Figure 1). Based on IATA 
statistics of November 2006 [1], “the international passenger traffic growth increased with 6.4% in 
November 2006 over 2005. Premium traffic growth on international routes increased to 5.6% in 
November and continued to grow strongly on routes from the Middle East but also grew strongly on 
routes within North America and on routes from the Far East to Australia. Of the five main premium 
traffic routes by volume (together accounting for 75% of total premium traffic), Europe to the Far East 
continues to grow at the strongest rate, with growth of 10.9% in November and 11% for the year-to-date. 
Growth on this route has been boosted by strong Asian economic growth and liberalisation on some 
routes”.  
 


 
Figure 1 International passenger Growth by Route [1] 
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These long-distance flight taking easily flight times of 16 hours or more to connect two major 
intercontinental cities, would become more attractive when travel-time would be reduced drastically such 
that a final destination can be reached within 4 hours or less.  
However, with present aircraft and propulsion designs, we’re getting close to the optimal design and 
margins for further improvement are getting smaller. Only drastic changes in aircraft configuration, 
propulsion concepts and flight velocities are able to achieve these goals.  


New aircraft configurations and related propulsion engines presently studied for classical flight Mach 
numbers around M=0.9 look into e.g. blended wing-body configuration for aerodynamic performance and 
multiple engines mounted on top of the wings close to its trailing edges to improve propulsion efficiency. 
These interesting developments will decrease further fuel consumption up to 30% but will not enable the 
shortening of travel times.  


New aircraft development seems to be stalled with respect to flight speed, despite the proven technical 
possibility shown by the supersonic Concorde, the experience gained in military aircraft design up to 
Mach 3 (e.g. SR-71) and finally experimental vehicles (e.g. X-15 at Mach 6). Opponents to supersonic 
transport development always point to the large specific fuel consumption of Concorde which undeniable 
is roughly twice the value of present commercial aircraft. However, one should not forget that the specific 
fuel consumption, sfc, obtained for the first turbojet driven aircraft, e.g. Comet in 1951 were only 20% 
lower. Since then fuel consumption reduction for aero-engines has been drastically driven throughout time 
by technology e.g. cooling techniques, new alloys, improved thermodynamic cycles by increased pressure 
ratios and TIT, etc… As the Olympus 593 engine was based on the Olympus design of 1950 for the 
Canberra and later for the Avro Vulcan in 1956, it is hence impossible to compare its sfc with e.g. the 
latest Trent’s of R&R or the GE90-family when half a century of technology development has not been 
implemented in these Olympus engines. 


Before given an overview of LAPCAT and ATLLAS, some basic considerations about supersonic vs. 
subsonic flight and its potential for evolution will be discussed. As the present paper served as a lecture 
note giving an overview on EU research programs related to advanced on propulsion technology for high-
speed aircraft, it’s primarily constructed around a collection of recent publications [2][3],[4],[5] along with 
some upgrades made during the execution of the projects. 


 
Nomenclature 
 
ATR  Air Turbo Reactor 
CG  Centre of Gravity 
CP  Centre of Pressure 
EoS  Equation of State 
ER  Equivalence Ratio 
HHV  Higher Heating Value [MJ/kg] 
HSCT  High Speed Civil Transport 
Isp  Specific Impulse [s] 
LHV  Lower Heating Value [MJ/kg] 
m’  air mass flow [kg/s] 
mf’  fuel mass flow [kg/s] 
MTF  Mid Tandem Fan 
OPR  Overall Pressure Ratio 
RBCC  Rocket Based Combined Cycle 
RTA  Revolutionary Turbine Accelerator 
RTD  Research and Technology Development 
sfc  Specific Fuel Consumption [kg/s/daN] 
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SST  Supersonic Transport 
TIT  Turbine Inlet Temperature [K] 
TBCC  Turbine Based Combined Cycle 
VCE  Variable Cycle Engine 
 
Subscripts 
a   ambient 
cc  combustion chamber 
j  jet condition 
∞  cruise flight point 
 


2.0   MOTIVATION AND ASSESSMENT 


Reducing travel times by going supersonic has only sense on long-distance flights. Range is hence an 
important figure of merit to evaluate high-speed aircraft concepts. It is strongly dependent on total 
available fuel mass and its consumption throughout the itinerary, i.e. from taxiing, speed-up cruise and 
final descent manoeuvres. Among these different parts, cruise represents a major portion of the needed 
fuel. The range achieved during cruise can be easily derived from the Bréguet range equation: 
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where: 
 R Range [m] 
 H  the fuel energy content [J/kg]: 120 (LHV) and 142 (HHV) MJ/kg for H2, 43.5 (LHV) and 


47MJ/kg (HHV) for kerosene, 50.0 (LHV) and 55.5MJ/kg (HHV) for Methane 
 g gravity constant [m/s2] 
 η the overall installed engine efficiency  


 sfc specific fuel consumption [kg/s/N] 
 V flight velocity [m/s] 


 W total take-off mass [kg] 
 WF  fuel mass [kg] 


 
The range depends linearly on the energy content H in the fuel which can be increased with a factor of 2.7 
by switching e.g. from kerosene to hydrogen. 


The aerodynamic performance given by L/D in eq. (1) depends primarily on the Mach number and was 
analyzed by Küchemann [6] who formulated a general empirical relationship referred to as the “L/D 
barrier”: 
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Further studies optimized waverider designs taken into account viscous effects resulted in better L/D ratio 
resulting in a shifted L/D barrier (Anderson [7]). 
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For an increasing Mach range the values are decreasing asymptotically to a value of 4 or 6: 


M∞ 0.9 2 4 6 8 10 


L/Dmax,euler 17.3 10 7 6 5.5 5.2 


L/Dmax,viscous 19.2 12 9 8 7.5 7.2 


η 0.25 0.4 0.57 0.67 0.73 0.77 


Table 1 Aerodynamic L/D barrier and overall installed engine efficiency in function of flight Mach number 


This decrease of aerodynamic performance with increasing Mach number would inherently exclude long-
range supersonic flight as it would be economically not viable. However, the overall propulsion efficiency, 
defined as  
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increases with Mach number for turbojets and ramjets as will be explained further. A first approach, 
suggested by R.G. Thorne according to [1], is given by: 
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To better understand the increase of the overall efficiency η of an aircraft engine, one can split the term 
thermodynamically into a thermal and propulsion efficiency η = ηt ηp. given approximately for a single jet 
by: 
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The thermal efficiency of either compressor or ram-based engines can be approached as a Brayton cycle 
and hence its efficiency is mainly driven by the combustor temperature Tcc to intake temperature Ta ratio. 
This ratio would be at its optimal point when operating the combustor close to the stochiometric value. 
However, for turbojets or turbofans, the rotary turbine components limit this ratio due to material yield 
strengths to a value of about Tcc/Ta=6 or ηt = 47%.  


Typical values for propulsion efficiency of a modern engine at M∞=0.85 is 48% for a turbojet and 77% for 
a turbofan with a bypass ratio of 6. The overall efficiency in cruise results into values of 20% to 37% and 
increases above 40% for larger bypass ratios [8]. 


For ram- and scramjets, the combustion temperature is not limited by rotary components. Hence higher 
equivalence ratios are easier to reach and ER=1 is presently used in scramjet flight experiments. Hence, 
the thermal efficiency can reach values as high as ηt = 60-70%. The propulsion efficiency is clearly better 
as the jet/flight velocity difference is rather small resulting into a ηp = 70-90% leading to an overall 
efficiency of η = 42-63%. This large ηp implies that a massive intake needs to be foreseen, which can 
occupy the complete frontal section of the aircraft in order to provide the necessary thrust given by T = 
m’(Vj -U∞).  
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As shown above, both factors η and L/D have reverse dependencies on flight Mach number and for a first 
assessment the cruise efficiency ηL/D can be considered in first order to be constant, i.e. a value of about 3 
to 4, at worst only 40% smaller for careful designs. This means that the range is more or less independent 
of the flight speed and is then only determined by the relative fuel fraction WF/W and the fuel type. 


Though anticipating on the results obtained by GDL during the ATLLAS project [9], an optimization 
analysis integrating both the aerodynamics and the propulsion unit on a two-dimensional conceptual 
design (Figure 2), showed a potential to a cruise efficiency factor ηL/D beyond 4 for flight Mach numbers 
above 3.5 (Figure 3). This could only be achieved by combining a lifting flow on the windward side with a 
propulsive-lifting leeward flow. The latter is possible by providing an expansion on the leeward side 
(Figure 2). This potential is only feasible in an ideal situation where the exhaust can expand fully in the 
base of the vehicle. However, it clearly indicates the critical points to be respected guaranteeing a minimal 
cruise efficiency required for high-speed long-range vehicles. 
 


 
 


Figure 2 The two stream solution in a dorsal configuration [9] 


 
Figure 3 Top left: cruise efficiency; top right: exhaust total temperature Tt3, Bottom left: lift coefficient 
(based on A2/tan(θ2)) and bottom right exhaust / lee deflection as a function of A3/A1 for Mach numbers 


between 3 to 6 for the two stream dorsal engine aircraft  [9]. 
However, one point of caution should be raised. This general analysis is purely based on the Bréguet 
range, i.e. cruise flight. However, aircraft’s operation and handling largely depends on this performance at 
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take-off and during acceleration. In particular the latter is increasingly more dominant for higher Mach 
number flights. For example, a practical flight at Mach 5, such as the LAPCAT A2 vehicle, reveals that 
the acceleration and deceleration entails about 50 minutes each compared to a 2.8h flight. At higher Mach 
numbers, these phases are becoming even more dominant in the propulsion optimization process not only 
due to the longer speed-up and slow-down phases, but also to the relatively shorter cruise phase. 
 
Another important point, also highlighted by Cain and Walton [10], is how far one can extend or 
extrapolate parameters for subsonic transport to supersonic or even hypersonic transport. So far, this first 
order approximation does not include the effect of changes in structural mass fractions that may be 
required to cope with the high heating loads during flight. Also the requirement that the plane needs to 
operate over a wide range of flight Mach numbers, i.e. from take-off to cruise, will demand for a largely 
flexible engine, most likely as a variable cycle engine,  which sequentially will penalize the concept by a 
larger engine mass fraction. Related to this is the need for fully integrated design of engine and airframe to 
obtain a global maximum in efficiency whereas up to now engine and airframe can and are being designed 
and optimized quite separately.  
 
Despite these concerns, it is worthwhile to assess the performance of a wide range of existing aircraft in 
the light of the above described logic. Data were mainly obtained from websites of a/c manufacturers, 
manuals or other sources. Hence, these might not necessarily represent the true values but should rather be 
taken as indicative.  


The specific fuel consumption (sfc) is plotted versus a non-dimensional range defined as R/Rg in Figure 4. 
Rg is the ultimate anti-nodal point for a final destination, i.e. 20,000km. The Concorde is very competitive 
in range compared to the aircraft designed in the same period (60’s and 70’s) e.g. Comet, DC-9,… despite 
a larger sfc. Ranges for subsonic aircraft designed in the 90’s have almost doubled, e.g. MD-11, B767,... 
This is of course related to the improved aerodynamics, availability of light-weight and high-temperature 
materials, lower sfc due to higher bypass ratios, higher TIT, etc. Similar improvements can be applied to a 
successor of the Concorde to improve its sfc or range for the same flight speed: implementation of a 
bypass ratio of 0.5 to 1 or higher instead of presently none, application of more advanced cooling concepts 
for turbine blades, use of light-weight heat resistant materials, use of a Variable Cycle Engine rather than 
using an afterburner or reheat, etc…  


The positive effect of the cruise speed on the overall propulsion efficiency is clearly depicted on Figure 5. 
Equation (5), represented as a full line, clearly fit the efficiencies of the first designs of their kind for 
subsonic, e.g. Comet-4 and supersonic commercial vehicles, e.g. Concorde. 


.  
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Figure 4: Indicative specific fuel consumption values for various sub- and supersonic aircraft in function 
of non-dimensional range and Mach number. A400M is given for two different payloads. 
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Figure 5: Indicative overall engine efficiencies for various subsonic aircraft in function of flight Mach 
number. Eq. (5) is given by full line. 


The formula (5) seems to provide a lower limit. The earlier mentioned 20% efficiency for turbojet and its 
evolution towards values above 40% for large bypass turbofans seems to be confirmed by the trend 
observed for commercial aircraft. With respect to fig. 1, this efficiency doubling results inherently in a 
doubling of the range. Not surprisingly, efficiencies have in particular improved for the heavily used 
subsonic aircraft. This is entirely due to massive resources made available to improve this range of aircraft 
in their aerodynamics’ design and engine fuel consumption and not due to intrinsic physical limitations for 
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supersonic transport vehicles.   


The aircraft indicated below this line are all supersonic transport vehicles. In order to sustain supersonic 
flight, these aircraft are equipped with engines which require to be run with afterburning, which is of 
course thermodynamically inefficient (low ηt). Concorde and TU-144D are however equipped with high 
thrust engines enabling to sustain supersonic flight without afterburner.  


Further improvements were in the planning which would have led to a further efficiency increase away 
from the lower limit given by eq. 4. Indeed, less know to the public is the start of studies to improve the 
performance of the Concorde four months after the start of scheduled services in 1976. This project should 
lead to the Concorde B model. Among modifications on aerodynamics, systems, weight, fuel tanks, the 
modification on the propulsion unit consisted of replacing the low-pressure compressor by a compressor 
with increased diameter and the low pressure turbine assembly by a two-stage turbine (Figure 7). The 
installation of a discharge system to increase the margin of air flow through the engine would result in an 
increase in air flow which reaches 25 % on takeoff and 35 % during approach. The thrust gains obtained at 
takeoff and at transonic speeds also make it possible to remove the reheat (afterburner) system with its 
very heavy fuel consumption and significant addition to the noise generated by the powerplant. 


 


Figure 6: Indicative cruise efficiency in function of flight Mach number for existing subsonic and supersonic 
vehicles along with the ATLLAS M3T (new concept) and the ATLLAS M6 (Optimized by means of MDO from 
the existing Hycat configuration of Lockheed). Green line denotes maxima retrieved from Figure 3. Red line is 
product of eq. 3 x eq. 5. 
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Figure 7: Suggested improvements (lower part) to the original Olympus (upper part) engine shortly after 


the Concorde introduction with higher thrust and lower sfc, avoiding the use of an afterburner [11]. 


Presently, within the military aircraft development, there is an objective to equip their fighters with high-
thrust engines to avoid the use of afterburner not only for sustained supersonic flight but also to accelerate 
through the high-drag transonic flight regime. Examples are the Eurofighter Typhoon and The F-22 raptor. 
The latter incorporates a pair of new, higher thrust-to-weight turbofan engines, the Pratt & Whitney F119-
PW-100, which is designed for efficient supersonic operation without afterburner (called supercruise). The 
F119 engine develops more than twice the thrust of current engines under supersonic conditions, and more 
thrust without afterburner than conventional engines with afterburner. Of course, limited data is available 
related to sfc, bypass ratio, TET, OPR … to plot them relatively to the other data. 


In [1], a weight breakdown analysis is described for which the total take-off weight W is split into different 
parts. Items including wings, undercarriage, services and equipment are proportional to the overall weight, 
i.e. c1W. Other items are proportional to payload c2Wp including fuselage weight, furnishings and the 
payload itself, hence c2> 1. Finally we have the engine and fuel weight WE and WF. This results into: 


FEp WWWcWcW  21  


Combined with eq. (1) one can obtain: 
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Evaluating WE /W from a large range of data (Figure 8), setting this value to 0.05 seems to be a good 
average. The factors c1 and c2  largely depend on the use of state-of-the-art structural materials and are 
retained here as variable parameters. In Figure 9, the payload fraction Wp/W, i.e. passengers or cargo, for 
multiple existing aircraft is plotted against the non-dimensional range. These data have been fitted by 
adapting the structural parameters c1 and c2, along with the propulsion and aerodynamic performance 
parameter ηL/D of eq. (6) according to the values given in Table 2.  


 ηL/D c1 c2 
A 4 0.3 2.25 
B 5 0.25 2.00 
C 5.5 0.2 1.90 
D 6 0.15 1.75 
E 3 0.35 2.75 


Table 2: Parameter sets used for evaluation of future trends 
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Figure 8: Indicative engine fraction for various aircraft 


 
Figure 9: Indicative payload fraction in function of non-dimensional range for various aircraft. Full lines 


A to E are based on eq. (6) for structural, propulsion & aerodynamic parameter variation. 
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Figure 10: Indicative seat-km: figure of merit comprising both payload and range for various aircraft 


Generally speaking, the payload fraction increases from A to D due to the improved structural and 
propulsive parameters and demonstrate the technological evolution introduced into the newer airplanes. 
The line E is definitely lower for the supersonic aircraft which is due to the lower ηL/D=3 versus 4 for the 
subsonic ones achieved in the same era. Small changes on the aerodynamics, as proposed for Concorde B 
in 1976, combined with efficiencies of recent engines developed for supersonic fighters, indicate that a 
recent SST might achieve a performance which lies in between lines A and B. 


Another important figure of merit for aircraft is seat-kilometre produced which can be expressed as Wg/W 
x R/Rg. This is shown in Figure 10 along with the fittings discussed previously. Also here the tendencies 
are well represented by the equations with higher values for the more recent airplanes and the lowest for 
the obsolete commercial SST. 


The still remaining parameter to be discussed is the use of hydrogen as fuel. Studies have been performed 
in Europe (e.g. Cryoplane) and Russia, but little information is available on the aircraft performance. 
However, making use of the suggested correlations, the influence of hydrogen as a fuel can be easily 
assessed. In Figure 11 and Figure 12 , the previous parameter settings A, D and E have been applied for a 
hydrogen aircraft, denoted respectively AH2, DH2, EH2. This is a first approximation as the larger 
required volume for hydrogen storage will induce a higher drag which is not accounted for. The dashed 
lines clearly indicate that aircraft have a larger potential in range with still an interesting payload capacity, 
including SST. Aircraft of lower performance, according to A, have now a potential equivalent for the 
ultimate range to aircraft of type D by switching to hydrogen. This opens up the potential to reach anti-
nodal destination with optimum seat-km already for conservatively designed aircraft. 


These observations were the main drivers of the ATLLAS and LAPCAT projects to tackle the final 
technological challenge within aviation: can man travel over long distance at a high speed within a 
relatively short time of about four hours? 
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Figure 11: Payload fraction dependence on fuel type: Kerosene (full), hydrogen (dashed). 
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Figure 12: Seat-km dependence on fuel type: kerosene (full), hydrogen (dashed) 
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3.0 LAPCAT-I PROJECT AND ITS ACHIEVEMENTS 


In Europe, continuous effort for basic high-speed airbreathing propulsion research has been made at 
many institutions. However, these efforts are scattered or strongly specialized. The LAPCAT project 
offers the opportunity to practice the indispensable cooperation on European level and to integrate 
specialized findings into a system to assess the overall relevance and benefits. During the project, system 
design tools are developed as well as rules and guidelines for conceptual development of system which 
have not been in place before. The capability to systematically guide a system development process 
through interface management and to assess its output will be enhanced. 


The baseline mission requirement is to reduce travelling time of long-distance flights, e.g. Brussels to 
Sydney, in about 4 hours. This requires a new flight regime with Mach numbers ranging from 4 to 8. At 
these high speeds, classical turbo-jet engines need to be replaced by advanced airbreathing propulsion 
concepts and hence related technologies need to be developed. As objectives, two major directions at 
conceptual and technological level are considered: ram-compression and active compression. The latter 
has an upper Mach number limitation but can accelerate a vehicle up to its cruise speed. Ram-compression 
engines need an additional propulsion system to achieve their minimum working speed. Key objectives are 
the definition and evaluation of: 


 different propulsion cycles and concepts for high-speed flight at Mach 4 to 8 in terms of turbine-
based (TBCC) and rocket-based combined cycles (RBCC) 


 critical technologies for integrated engine/aircraft performance, mass-efficient turbines and heat 
exchangers, high-pressure & supersonic combustion experiments and modelling. 


The most critical RTD-building blocks were identified employing analytical, numerical and 
experimental tools to address issues of the following road-map: 


 two airbreathing engines for selected reference vehicle(s) and trajectory point(s), 
 dedicated combustion experiments for supersonic and high-pressure combustion, 
 modelling and validation of combustion physics, 
 aerodynamic experiments for major engine components and for inter-action of vehicle and 


propulsion aerodynamics. 
 evaluation and validation of advanced turbulence and transition modelling for unsteady and 


separated flow regimes, 
 performance prediction of contra-rotating turbines and light cryogenic fuel heat exchangers. 


 
The team consisted of 12 partners out of 6 European countries and was coordinated by the European 


Space Research and Technology Centre ESTEC-ESA in the Netherlands. This involved four industries 
EADS-Astrium (D), Reaction Engines (UK), Snecma (F) and Cenaero (B); four research institutions being 
ESA-ESTEC (NL), DLR (D), CIRA (I) and VKI (B) and finally the universities of Stuttgart (D), 
Southampton (UK), Rome (I) and Oxford (UK). 


3.1 Turbine Based Combined Cycles 


The project objective is to examine two turbine based cycle (TBCC) engine concepts for high Mach 
number (4 – 5) flight in the context of future civilian transportation. The experience accumulated from 
turbojet design and operation is huge and this should obviously form the basis of the next generation of 
engines if at all possible. 


3.1.1 Hydrogen Mach 5 Cruiser 


The LAPCAT A2 vehicle flying at Mach 5 was carried out by Reaction Engines. The preliminary 
results of this analysis are encouraging. The vehicle study is complete at initial project study level and 
indicates that a 400ton, 300 passenger vehicle could achieve antipodal range without marginality. The 
concept is particularly interesting for this mission requirements as a trajectory optimization allowed to fly 
almost continuously over sea and avoiding sonic boom impact when flying over land. 
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The proposed aircraft configuration A2 is shown in Figure 13. The vehicle consists of a slender 
fuselage with a delta wing carrying 4 engine nacelles positioned at roughly mid length. The vehicle is 
controlled by active foreplanes in pitch, an all moving fin in yaw and ailerons in roll. This configuration is 
designed to have good supersonic and subsonic lift/drag ratio and acceptable low speed handling qualities 
for takeoff and landing. 


 


 
 


Figure 13: LAPCAT A2: Mach 5 hydrogen based vehicle (left) with precooled turbofan-ramjet Scimitar engine  


The first study focused on a precooled Mach 5 engine, named Scimitar, employing a cycle based on the 
Reaction Engines SABRE spaceplane engine and fuelled by liquid hydrogen. The Scimitar engine must 
have good subsonic and supersonic performance if it is to be a practical engine for a new generation of 
hypersonic aircraft. This would allow it to operate from normal airports and over-fly inhabited regions 
without the nuisance and political problems which limited Concorde’s effectiveness. These characteristics 
have been successfully incorporated into the Scimitar design (Figure 13) by incorporating a high bypass 
fan into the bypass duct which encloses the core engine and is otherwise needed to match the intake air 
capture flow to the engine demanded flow over the supersonic Mach number range. The bypass fan is 
driven by a hub turbine using flow diverted from the core engine nozzle. The flow then discharges into the 
bypass and mixes with the bypass flow. More details on the engine and its thermodynamic cycle are given 
by A. Bond [12]. 


Due to their central role to the concept of the precooled engine two technologies are being addressed at 
experimental level: a lightweight heat exchanger and contra-rotating turbine. 


Two precooler modules have been built for this program (Figure 14). They are the correct flow length and 
tube dimensions, but shorter than a full engine module. They were used to demonstrate the manufacturing 
technology for these items. This demonstration consisted of tube surface preparation, support of the matrix 
in the brazing fixture and brazing of the tubes to the headers. This program reinforced the conclusion that 
precooler manufacture by this technique is practical, although some refinement of the industrial process is 
still needed.  


The SiC technology program became hard going quite early in the project. Although straight SiC tubes 
made by sintering are available and can undoubtedly be refined, other surface shapes proved very daunting 
to manufacturers. The manufacture of multi-channelled plates by green state extrusion followed by 
siliconising showed much greater promise. Extrusion of rectangular strips of 600mm long was successful 
with relatively good control of channel dimensions and wall thickness Figure 15. 
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Figure 14 Left: Oxidation testing of Inconel 718 tubes, right: completed precooler 
module in assembly fixture during pressure testing. 


 
 


Figure 15: Trial heat exchanger strip extrusion  


  


 


The design, building and testing of a stator-less contra-rotating model turbine is aerodynamically similar 
to the real turbine for the engine concept (Figure 16). This was run on a low pressure high molecular 
weight gas which can simulate the high pressure helium used in the engine. REL prepared an initial 
scoping design for the real engine for which VKI has optimised the aerodynamics [21]. CENAERO scaled 
and optimised the helium aerodynamic design to the model.  


 


 


Figure 16: Contra-rotating stages of the Scimitar engine: left: rotors 1 and 3, right: rotors 2 and 4 
 


The Scimitar engine analysis suggests that it can produce efficient supersonic and subsonic flight and meet 
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the anticipated noise regulations for normal airport operation. An important side result is the critical role 
of environmental impacts, specifically NOx, contrails and Ozone damage. Future studies need to include 
these problems. 


To address the relatively high technical risk of this project it is proposed that the development program 
proceed in a step by step basis in 3 phases, namely Concept Validation (2 years), Technology 
Demonstration (3 years) and System Development (8 years). At the end of each program stage the project 
would be reviewed before deciding whether to proceed with the next stage. An arbitrary start date of 2010 
has been assumed which implies an Entry Into Service date at the beginning of 2023. The predicted engine 
development cost in 2006 prices is 8,147M€ and vehicle development cost 14,454M€ to give a total 
development cost of 22,601M€. The first vehicle production cost is 979M€. Assuming an 85% learning 
factor and a total production run of 100 vehicles implies an average vehicle sale price of 639M€ (including 
full development cost recovery). The estimated annual operating cost per vehicle is 553,8M€ of which the 
liquid hydrogen fuel comprises 83%. This assumes hydrogen derived from electrolysis of water however 
hydrogen derived from steam reforming of hydrocarbons would be about a third of the cost which would 
roughly halve the annual operating cost. 


 


3.1.2 Kerosene Mach4.5 Cruiser 


A parallel study carried out by DLR-Sart [14] focused kerosene as a fuel in order to explore the 
performance of this fuel in preference to hydrogen since its supply infrastructure is well established. In 
order to keep the wing loading in an acceptable range, the new supersonic cruise airplane has a wing size 
of 1600m2. The total length reached to 103m. The LAPCAT-M4 employs a blended wing-body with a 
modified nose, a highly swept in-board wing panel, and a moderately swept outboard wing panel. The four 
advanced turbo-RAM-jet Variable Cycle Engines (VCE) are mounted in two nacelles on the wing lower 
surface adjacent to the fuselage. The location of the engine and nacelles is still open for adaptation if 
required by trim as long as they remain under the wing. The total take-off mass of the supersonic cruise 
airplane has been iterated in the first loop to the huge value of 720ton, which is well beyond any 
supersonic passenger aircraft built to date. The dry mass is estimated at 184.5ton and the structural index 
(dry weight to GTOW) is at a for airplanes low 26%. The HSCT would be able to transport about 200 
passengers with their luggage over a distance of 16,700 km within 4 hours. 


 
 
 
 
 
 
 
 
 
 
 
 
 
 


  


Figure 17 Preliminary Mach 4.5 kerosene fuelled aircraft for 200 passengers with a MTOW of 720t 


3.2 Rocket Based Combined Cycles 


In parallel to TBCC propelled vehicles, Rocket Based Combined Cycles was evaluated for two vehicle 
concepts. As the thrust to weight ratios for rockets are far higher (~60-100) than turbojets (~3), they might 
be a good alter-native for the acceleration phase despite their higher sfc. The preliminary design and 
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dimensioning of RBCC engines coupled with vehicle and a reference trajectory was addressed after the 
first vehicle designs for M4 (kerosene) and M8 (hydrogen) became available. For each of the vehicles, a 
basic RBCC concept was derived, and tools and rules for dimensioning the RBCC were developed. The 
evaluation showed that for the given mission kerosene as a fuel was out of scope, but that the mission 
could theoretically stand a chance using a hydrogen-fuelled RBCC.  


The hydrogen-fuelled RBCC for Mach 8.0 is a planar design with a sophisticated intake system, and 
rockets integrated into struts. The nozzle consists of a single expansion ramp nozzle of the Sänger type 
and was tentatively demonstrated to be efficient for the proposed vehicle type. The RBCC engine model 
for the M8 vehicle was extended to include ramjet combustion and thermal choking to enable the 
examination of a mixed ramjet-scramjet configuration with different fuel injection positions and side wall 
struts in the remainder of the system. 
From practical gas dynamic and manufacturing considerations, the scramjet combustion chamber should 
not exceed a maximum length allowing for a slight divergence to give margin for design issues other than 
the mixing process. By cooperation with specialized CFD analyses, the assumed model input parameters 
could be refined in a series of parametric studies to represent more realistic values. 


The dimensioning of the propulsion system components allowed DLR-Sart to define the lower part of 
the latest generic LAPCAT-M8 air-plane geometry as illustrated in Figure 18. The upper section of the 
vehicle is dependent on the necessary volume for fuel tanks and the SERN expansion ratio intended to be 
as far adapted as possible. LAPCAT-M8 as a generic airplane is designed as a lifting body with a simple 
2D-geometry in the central air-intake part, easing not only the conceptual lay-out but also CFD and 
experimental investigations. 


 


 
Figure 18: Preliminary design of the LAPCAT-M8-3 cruiser based on a H2 RBCC 


  The total length is 101.2m with a total span of 41.6m. Its height mounts up to 19.5m. The 
outboard region converges rapidly to the "wingtips", so that the leading edge sweep angle is about 82°. 
The stabilizer located in the tail part of the lifting body and two vertical fins, slightly inclined outboards, 
are to be used for aero-dynamic trim and control. Though using ultra light-weight structural design in high 
load and very high temperature environment, its empty weight mounted still to 370ton with an incredibly 
large take-off mass of 944ton. 


As the RBCC requires a rocket ejector operation at low Mach number flight, its low performance along 
with the non-availability of reliable data, results in a very high fuel consumption during the acceleration 
phase. Its performance is highly critical to overall feasibility. This version of a Mach 8 hypersonic RBCC 
airliner could reach a limited range of up to 5800km.  


One of the reasons for the less than impressive performance of LAPCAT-M8-3 is its disappointing 
aerodynamic performance in terms of lift over drag ratio. Whereas a slim design would result in a better 
aerodynamic performance, the need to integrate large hydrogen volume tanks resulted in a bulky vehicle. 
The analyses further revealed that an RBCC without an enormous thrust excess operates too long in an 
unfavourable fuel consumption regime, depleting about two-thirds of the totally available fuel. The 
mission is flown in the ejector mode up to a Mach number of 2.5 when switching to a pure airbreathing 
RAM-SCRAM-mode. After finishing the third iteration loop of the LAPCAT-M8 preliminary design the 
concept could not be considered as converging. 


The vehicle-propulsion integration proved to be a difficult exercise and a redesign of the vehicle was 
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suggested. The aim was to ensure a good aerodynamic performance for both subsonic and hypersonic 
speeds along with a large volume for hydrogen fuel, an alternative propulsion unit for the acceleration 
phase with enough thrust and finally, realistic dry and gross take-off weights. The dual mode ramjet 
propulsion unit was kept for the acceleration and cruising at Mach 8. The challenge was to ensure that 
each of the components, i.e. aerodynamics, propulsion performance, volume and weight would not 
degrade the other when combining them.  
This optimization loop resulted in a dorsal placement of the propulsion unit, including the large intake 
ramp and nozzle [16]. The aerodynamic performance was realized by using a blend of a waverider and a 
delta wing previously developed by DLR-AS for a Mach 12 speed. The poor performance of an ejector 
rocket was addressed by replacing it with a gas-generator fed air turbo-rocket (ATR) which has a good and 
nearly constant specific fuel consumption over a wide Mach number range. Moreover, this choice also 
allows for efficient cruise over land in a subsonic mode, to loiter and to ensure the containment of jet 
noise. This turns the aircraft into a versatile and operationally flexible vehicle (Figure 19).  


The achievable range is strongly sensitive to the allowable acceleration loads. Higher loads lead to 
lower fuel consumption during the acceleration phase. The maximum g-loads on the passengers were 
limited to 0.2 and 0.4g in all directions. The GTOW was fixed at 600tons which corresponds to the present 
achievement in classical aircraft, e.g. the Antonov-225 with a 600 to 640tons GTOW and a 170tons of 
empty mass. A 400km range with subsonic cruise was imposed prior to acceleration to supersonic speeds 
along with a controlled and powered deceleration phase. This first leg ensures that the aircraft is flying 
subsonically over land and then supersonically once over sea.  Depending on the flying strategy, the 
vehicle turned out to have a range varying from 14000km to 18000km with a touch-down weight of 
240tons. The corresponding structural index (dry weight to GTOW) for these weights is fixed at 0.3, or 
180 tons. A total of 60 tons for 300 passengers and accommodation, i.e. cabin, luggage, crew, galleys… is 
taken from the LAPCAT A2 vehicle estimates. The length, span and height are respectively 90m, 62.2m 
and 18.1m compared to 84m, 88.4m and 18.1m for the An-225.  The internal volume of the concept can 
accommodate the 360tons of fuel needed with a reserve volume of about 1100m3 or 80 tons of fuel weight. 
The vehicle control is not examined in detail but consists presently of two all-moving fins with dihedral 
and ailerons for roll and pitch. 


 


Figure 19: LAPCAT-MR1: Conceptual Design of a Dorsal-Type Mach 8 vehicle. 


With this alternative design, the envisaged mission Brussels-Sydney is physically possible with part of 
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the trajectory at a cruise flight Mach number 8.0 using a hydrogen-fuelled scramjet and a tuned trajectory 
strategy. Due to its versatility, the vehicle can optimize its operation for different long haul trajectories 
with flight times varying between 3 to 5 hours. The three hours trajectory profile corresponds to a total of 
30’ of acceleration and a cruising at Mach 0.8 with a range of 400km ensuring flying subsonically over 
land. Once over sea, a 10’ acceleration allows to reach Mach 8 (axial load of 0.4g with a covered range of 
2,725km), followed by a 90’ cruise at Mach 8 for 12,375km and a final descent and deceleration for 50’ 
for 2,200km. This total journey amounts to 17,700km which can be extended by cruising for some time at 
Mach 4-4.5. 


 


3.4 Combustion Experiments 


Dedicated combustion experiments were clearly needed for both TBCC & RBCC concepts in order to 
evaluate and check the performance and characteristics at specific conditions for supersonic combustion 
and high-pressure combustion. Experimental data obtained in supersonic combustion experiments 
performed in the M11 connected tube facility at DLR Lampoldshausen have been evaluated for differently 
shaped strut injectors [23] (Fig. 10).  
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Figure 20: Scramjet model combustion chamber with studied injectors: USCER (left); WAVE injector (right). 


The supersonic combustion experiments of a complete scramjet configuration consisting of intake, 
combustor and nozzle were performed in the DLR High Enthalpy Shock Tunnel Göttingen (HEG). The 
tests concentrated on the scramjet configurations used during the HyShot flight experiments (Fig. 11). Due 
to the involvement of DLR in the HyShot I and II flight experiments, wind tunnel data of WP5 and the 
numerical data from WP6 have be compared to flight data [18],[24] (Fig. 12). 
  


 


 


Figure 21: Wind tunnel model installed in the HEG test section (left) and Schlieren visualisation of the wall 
normal gaseous hydrogen injection in the HyShot II combustor (right). 
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Figure 22: Left: Hypermixer fuel injector configuration. Right: Pressure distribution for porthole 
injection; (S-A: Spalart-Allmaras turbulence model, k-ω: Wilcox k-ω turbulence model, PDF: assumed 
PDF for turbulence-chemistry interaction). 


 
In the framework of high pressure combustion experiments with focus on the HC disintegration processes, 
the ITLR shock tube at the University of Stuttgart has been equipped with a fast-response fuel injector 
[17] [25]. Currently, fluid disintegration experiments are being performed under supercritical and 
subcritical conditions, employing dodecane (as exemplary hydrocarbon fuel) and hexane in argon.  


 


Figure 23: Jet spreading angle as function of the fuel injection temperature for different ambient 
pressures: T5 = 950K; p = 200 bar. 


 The M3 test facility at the German Aerospace Centre, DLR in Lampoldshausen, has been refurbished to 
allow the use of hydrocarbon fuel such as methane (Figure 24). Quantitative thermometry of the hot gases 
using CARS-spectroscopy has been performed for the CH4/O2-flames. For the characterization of the 
ignition transient and stationary spray combustion software tools are developed to analyze shadowgraphs 
and high speed recordings of the flame emission [26]. 
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Figure 26: Temperature contour for 3D simulation 
with realistic injection plate 


 


Figure 24: left: Micro combustor M3 for the investigation of cryogenic spray combustion using methane 
and LOX; right: LOX/methane flame visualization 


 


3.5 Combustion Modelling and Validation 


The goal was to investigate the 
physics of high-pressure and 
supersonic combustion requiring the 
development of new tools. In fact, 
numerical simulations performed on 
the basis of RANS (Reynolds 
Averaged Numerical Simulations) in 
combination with different models of 
combustion-turbulence coupling. 
Temptative LES (Large Eddy 
Simulations) have performed to 
explore their applicability and to 
improve RANS-based methods.  


The axisymmetrical EADS code 
Rocflam-II has been extended towards LOX/HC (Hydrocarbons, i.e. Kerosene and Methane) chemistries. 
The necessary fluid data and reaction schemes have been selected and implemented. The reaction model in 
Rocflam-II consisted of a tabulated equilibrium chemistry with a PPDF (presumed probability density 
function) approach to model turbulent combustion. Code validation has been carried out on available sub- 
and generic full-scale engines to the satisfaction of the involved EADS combustion modelling specialists 
(Figure 25). In the meanwhile the first company-internal spin-off of these LAPCAT achievements could 
be generated by employing the enhanced code in other preliminary development phases of engines prior to 
entering a regular development program. 
 
 For high-pressure combustion a 
compressibility factor formulation has been 
implemented and validated for typical rocket 
combined cycle operating conditions (super-
critical in pressure, trans-critical in 
temperature). Extension and validation toward 
kerosene and methane consists of a tabulated 
equilibrium chemistry with a PPDF (presumed 
probability density function) approach to model 
turbulent combustion. 


 A thermodynamic model able to properly 
describe propellants injection in high pressure 
LOx/HC combustors has been developed and 


Figure 25: RBCC configuration with HC/LOX combustion in 
rocket combustion chamber (top showing the non-premixed 
and bottom the remixed injection). 
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Figure 27: 2D temperature 
fields of Cheng-experiment 
employing different reaction 
mechanisms 


implemented in the C3NS-PB flow solver. Two different approaches (compressibility factor formulation 
and analytical formulation) have been selected: the accuracy and robustness of both approaches have been 
preliminary assessed through comparison with experimental data available in literature. Furthermore, the 
compressibility factor formulation has been implemented in the flow solver and a suitable test case (RCM-
1, “Nitrogen Cryogenic Injection”, DLR Lampoldshausen, 2001) has been selected to test the capabilities 
of the model in typical rocket operating conditions (supercritical injection pressure, trans-critical injection 
temperature): the CFD simulations show a good agreement with experimental data Figure 26. 
 A turbulent combustion model (based on the Partially Stirred Reactor assumption) has been also 
implemented in the CIRA solver C3NS in combination with a reduced mechanism for oxygen/methane 
and oxygen/kerosene [27]. Three dimensional simulations of a rocket engine with a realistic injection plate 
configuration have been performed.  


Using the ramjet of the RBCC configuration for the M4.5 kerosene airplane, the obtained combustion 
efficiencies and characteristic velocities for varying injection conditions allowed verifying the used values 
in the parametric study of the related propulsion system.  


For supersonic combustion, finite rate combustion with appropriate turbulent mixing is used as a start 
extended further with an eddy-dissipation concept to account for turbulence dominated combustion [28]. 
A more complex extension towards turbulent combustion is based on an assumed PDF method to account 
for a wide range of applicability for premixed, non-premixed, partially premixed combustion and different 
Damköhler numbers. The numerical simulations of the complete flow-path including the wind tunnel 
nozzle and the HyShot Scramjet configuration show good agreement with the experiments [18], [33]. 
Wind tunnel results of performance characteristics (combustor) pressure rise and surface heat loads of the 
HyShot II scramjet configuration were reproduced by CFD. Uncertainties of numerical tools linked to 
different turbulence models were identified (Figure 22). 


 


Figure 28: CFD result of the flame structure (OH concentration) in the 
HyShot-II combustor with porthole injection 


Whereas the assumed PDF approach suffers from simplifications 
due to the chosen shape of the joint PDF, a transported PDF models 
require tremendous CPU times. Nevertheless a multi-variate--PDF 
for species distributions seems to be a good compromise between 
accuracy and CPU time, necessary for complex 3D simulations [29]. 
A major drawback of this approach is the required statistical 
independence of species and temperature fluctuations. The 
applicability of several hydrogen/air reaction mechanisms for scramjet 
applications has been performed. Seven detailed (9-species, 19- to 27-
step), one reduced (7-step, 7-species) and one global kinetic scheme 
have been investigated. The basic result is that at critical conditions 
close to the ignition limit of hydrogen (this corresponds to low flight 
Mach numbers of a scramjet) only detailed mechanisms are able to 
accurately predict the ignition delay correctly. However, there are also 
significant differences between the detailed kinetic schemes and the 
best suited mechanisms for scramjet simulations are identified Figure 
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27 shows the investigations of a lifted turbulent jet flame with supersonic inflow (Cheng et. al.) employing 
different reaction mechanisms. 


Results obtained by LES simulation indicate combustion may be made to take place in a short distance 
by supersonic injection of hydrogen inside the supersonic airstream. The ISCM LES SGS is under 
validation [19] [30]. 


 


3.6 Design and Aerodynamics of Propulsion Components 


To design a hypersonic vehicle using an air-breathing propulsion system with positive net thrust is a 
major technological challenge. The major difficulty lies in the determination of the pressure and skin 
friction drag. The accuracy to predict pressure drag depends upon the ability to characterize the complex 
system of shocks (i) acting at the inlet and (ii) due to the interaction of the nozzle flow with the external 
flow; the accuracy to predict skin friction drag, on the other side, depends upon the ability to determine the 
boundary layer state, i.e. laminar or turbulent and its behaviour with temperature. Such difficulties derive 
from the fact that in ground based facilities it is not possible to simulate complete real flight environments. 
Consequently, the successful design of a vehicle powered by an air-breathing engine would be based 
tomorrow purely on computational fluid dynamics (CFD), but today the numerical tools present strong 
limitations, in particular concerning turbulence modelling and shock-wave boundary layer interaction. 
Thus, the objective of the work-package has been the validation of design tools to determine the 
propulsive efficiency of air breathing hypersonic vehicles, i.e. not the intent to design an efficient inlet or 
nozzle but to improve the knowledge of the hypersonic flow physics, in particular intakes and nozzles with 
respect to transitional and turbulent flows and unsteady flows. 


 
An air inlet representative of the LAPCAT Mach 8 vehicle has been designed by DLR-Cologne in 
accordance to geometric constraints driven by the vehicle and in accordance to requirements of the flow at 
the inlet exit stemming from the combustion chamber. A planar inlet, named LC01k, consisting of two 
external compression ramps and a cowl that causes two internal compression shocks has been designed. At 
the design point of Mach 8.034 and a flight altitude of 34.134 km the inlet performance fulfils (or exceeds) 
all flow requirements, i.e. mass flow, static temperature and static pressure. The windtunnel model (Figure 
29) is equipped with pressure probes along the centreline of the inlet and the diffuser and with two Pitot 
pressure probes in the diffuser to measure the total pressure recovery. The mass flow through the inlet can 
be determined by a connected throttle, which is also used to vary the back-pressure. Further, it offers the 
capability to test different boundary layer bleed configurations and also to test different approaches to 
control the separation of the boundary layer at the inlets expansion corner. CFD rebuilding of the H2K-
tests show that the RANS-based DLR-TAU code is able to capture almost all the dominant features, like 
the changes in flow features when the boundary-layer bleed-channel is open or close or due to varying 
Reynolds number. Due to the inherent limitation of classical RANS-codes, transitional intake flow has 
been assessed by LES and is very promising.  In particular, for the first time a complete mixed-
compression hypersonic inlet is studied using LES [31],[32].  
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Figure 29: LAPCAT Mach 8 Intake-LC01k assessment (top-down model position). Top left: Schlieren through 
the model window during the test in the H2K facility. Bottom left: CFD simulation with the TAU code. Right: 
comparison of normalized computed and measured pressure along the wall of the cowl. 


For the experimental study of the nozzle–base–external flow in the H2K facility a wind tunnel model of 
the SERN nozzle of the LAPCAT Mach 8 vehicle has been manufactured. The contour of the SERN 
nozzle has been designed by EADS-ST. The model has a modular structure and thus enables it to be used 
for nozzle experiments with various nozzle geometries. In contrast to common nozzle-base flow studies in 
the past, which were done with compressed cold air, here the isolated air supply chamber of the model 
allows supplying the model nozzle with a supersonic air flow with total temperatures up to 1000 K. 


The experimental results reveal the shear layer separating the nozzle, the ambient flow and the inner 
and outer shock that adapt the pressure level of both flows to each other (Figure 30). The wall pressure 
measurements help to show the influence of the flow on the vehicle and therefore as a consequence on the 
nozzle thrust. The experiments showed that from all the variables the nozzle pressure ratio has the largest 
influence on the nozzle flow field. The extent of the exhaust plume and the displacement of the ambient 
flow clearly grow with increasing nozzle pressure ratio. CFD results for the complete SERN nozzle 
including Laval nozzle and base (also called nozzle-flap) are performed. The computations are in good 
agreement with the experimental results but indicate a higher under expanded flow leaving the SERN 
nozzle (Figure 30).  


 
Figure 30: left: Schlieren visualizations of the experiment (top-down model position) at nominal conditions. 
Following pictures: CFD simulations in 3 planes of different deep (outboard left to outboard right) 


Large eddy simulation (LES) of compressible flow with a mixed time-scale (MTS) subgrid model has 
been tested for three cases of turbulent and transitional flow: supersonic turbulent channel flow; 
propagation of localised transitional/turbulent spot in a supersonic boundary-layers and shock-induced 
separation bubble transition (Figure 31). The MTS model is found to perform well in the near-wall region 
without any ad-hoc near-wall damping functions. The subgrid-scale kinetic energy vanishes in the laminar 
regions, and it has been confirmed that this model perform well in predicting transitioning flows. 
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Figure 31: LES simulation of a Ma=2 oblique shock-wave boundary-layer interaction (pressure ratio 
p3/p1=1.9) inducing a laminar separation bubble and transitional flow at re-attachment. Left: mean skin 
friction distribution along the flat plate: solid line present LES; filled circle and open square LES of Teramoto 
(2005); open circle Experiments of Hakkinen et al. (1959). Right: numerical Schlieren showing the 
instantaneous flowfield at time t = 1811 at a spanwise location z = 30. 


Decisive experimental data are provided on the set-up and propagation of turbulent spots embedded in a 
hypersonic boundary layer by means of thin film gauge signals. The transition-trip device model to be 
used in the gun tunnel of the University of Oxford is a flat plate with detachable leading edge that can be 
pivoted allowing testing in a Mach number range 2 to 7. Two sets of boundary layer “trips” have been 
fabricated on two additional leading edge pieces. Presently the experimental campaign is being carried 
out. 


3.7 Conclusions 


LAPCAT aimed for hypersonic speed transport by assessing advanced propulsion concepts and related 
technology for speeds up to 4 to 8 times the speed. Based on general trends in the evolution of aircraft 
performance and the possible aerodynamic and propulsive achievable efficiencies for high-speed vehicles, 
there’s a potential to achieve antipodal range. Preliminary parametric studies within the project have 
shown so far that both a Mach 4-5 and a Mach 8 vehicle concepts based on hydrogen with a long-haul 
range are achievable. A kerosene based Mach 4.5 vehicle has also an interesting potential though more for 
a shorter range flight. 


The vehicle systems defined during the project allowed the setting of working conditions of interest for 
detailed experimental and numerical work. Windtunnel models have revealed particular physical 
phenomena and enabled to justify the values for the different parameters used for the vehicle concepts. 
Also the simulation tools have been upgraded and were validated with the newly generated experimental 
database. The combustion processes and the related flow fields could be reproduced. However, ignition 
transients and ignition delays still remain critical for interesting flow conditions which are close to the 
ignition limits. 


 


4.0 LAPCAT II PROJECT 


 
LAPCAT II is a logical follow-up of the previous project whose objective is unchanged versus LAPCAT 
I. Among the several studied vehicles, only two novel concepts for a Mach 5 and 8 cruise flight were 
retained in the present program. The project, co-funded by the European Commission under the theme of 
air transportation kicked off in October 2008 and lasts for 4 years involving 16 partners out of 6 European 
member states. The consortium consists of 6 industries: Cenaero (B), EADS-Astrium (D), GDL (UK), 
MBDA (F), REL (UK) and Snecma (F); 5 research institutions: CIRA (I), DLR (D), ESA-ESTEC (NL), 
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Onera (F) and VKI (B); 5 universities: ULB (B), La Sapienza (I), Oxford (UK) , Southampton (UK), and 
Stuttgart (D). 


Starting from the available Mach 5 vehicle (Figure 32) and its related pre-cooled turboramjet developed in 
LAPCAT I, assumed performance figures of different components are presently assessed in more detail: 


- Intake design and performance 
- Environment friendly design of combustor 
- Nozzle design and performance 
- Structural analysis 


 
This will lead to an updated overall Mach 5 vehicle performance allowing the definition of a detailed 
development roadmap. 


 
  


Figure 32 : LAPCAT-A2: outcome of LAPCAT I project for civil Mach 5 transport (courtesy REL) 


Though the cruise flight of the Mach 8 vehicle based on a scramjet seems feasible, the fuel consumption 
during acceleration requires a large fuel fraction severely affecting gross take-off weight. Initial studies of 
a first stage rocket ejector concept gave poor range with large take-off mass. Integrated design of airframe 
and engine throughout the whole trajectory is now the prime focus to guarantee an optimal design in terms 
of range and flight time (Figure 33). Different concepts will be re-assessed and optimized to a final Mach 
8 concept. Both turbo- and rocket-based engines will be investigated to assure better performance and fuel 
consumption during acceleration and cruise.  


 
Figure 33 LAPCAT-MR1: outcome of LAPCAT I project for civil Mach 8 transport  


The mission requirements of the follow-on project LAPCAT-II remain unchanged, as explained above, but 
focus will be now directed towards critical points which arose during the LAPCAT-I project. Two novel 
aircraft vehicles for high-speed flight are retained in the present proposal. The description of the objectives 
is split up along these selected concepts and finalized by a general environmental investigation goal. 
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4.1 Mach 5 Vehicle 


Starting from the available conceptual vehicle design and the related precooled turboramjet named 
Scimitar, well-thought assumptions made for performance figures of different components during the 
iteration process within LAPCAT-I will be assessed in more detail. This includes the following items. 
 


4.1.1 Intake Design and Performance 


The intake (Figure 34) must operate over a wide Mach number range (0 to 5) whilst delivering the correct 
air mass flow and recovered pressure for the core engine and bypass system. This necessitates a mixed 
compression variable geometry intake with a number of external and internal shock waves and a final 
subsonic diffuser. The intake should be resistant to ‘unstart’ and ‘buzz’ to give carefree engine and vehicle 
handling, meet the engine life requirement at 1250 K operation, be resistant to panel flutter etc. 


 
Figure 34:  variable intake configuration: top retracted intake for Mach = 0÷1.647, bottom fully deployed 
intake for cruise Mach = 5. 
 


4.1.2 Environment Friendly Design of Combustor 


 
Though the most critical parts of the engine has been brought to a higher technological readiness level in 
LAPCAT-I, i.e. contra-rotating turbine and heat exchangers, the concern here is related to the too high 
thermal NOx production. As one of the FP7 goals is to cut the NOx emissions, special attention will be 
given towards different staged combustor lay-outs. This will most likely affect the engine’s performance 
and requires special attention. 
 


4.1.3 Nozzle Design and Performance 


Identically as for the intake, the nozzle needs to operate over a wide operational range and requires a 
variable geometry. Throughout the acceleration phase, the bypass flow will interact with the core nozzle 
resulting into a larger base drag. Optimization should reduce potential loss in range followed by a 
structural design of the variable geometry. 
 


4.1.4 Structural Analysis 


An optimum design approach will be established minimizing mass whilst meeting the lifetime 
requirement. This exercise will result in estimates of the fuselage & wing stiffness and mass and volume 
distribution. The latter will serve as input for the aeroelastic studies in conjunction with control 
algorithms, allowing estimating flutter margins. 


 
A requirements specification document for each of the above described components is already composed 
early in the project. The technical assessment of all components will be finished the latest one year prior 
to the end of the project, allowing the re-assessment of the vehicle and engine performance with the 
obtained figures of merits. The outcome of this re-evaluation will allow the definition of a detailed 
roadmap towards the production of the vehicle. This will include the detailed design and testing of 
subcomponents, subscale flight experiments up to the complete vehicle production. 


Hypersonic Technology Developments with EU Co-Funded Projects 


15 - 28 RTO-EN-AVT-185 


 


 







 


4.2 Mach 8 Vehicle 


Integrated design of airframe and engine throughout the whole trajectory is the prime focus here to 
guarantee a successful design. This means that both off- and on-design conditions for the different parts 
of a combined cycle need to be well understood, modelled and validated. A turbo-based engine will 
replace the former ejector rocket to assure better performance and fuel consumption during acceleration. 
Various cycles need to be evaluated and linked to the vehicle design. Important points to be addressed to 
realize these goals are: 


 


4.2.1 Proper Development and Validation of Engine-Airframe Integration Tools and 
Methodology 


 
Only a very limited number of beneficiaries do have tools for quick assessment of vehicle performance but 
they all differ in methodology, level of complexity (zero or one-dimensional) and mostly in application 
(e.g. launchers, space planes). The level of detail in aerodynamics and propulsion performance simulation 
is widely varying. It is of utmost importance to develop and re-orient these tools towards passenger 
aircraft for a fully integrated approach along the complete trajectory and for the combined propulsion 
cycles envisaged in this project. The complex interaction among the different components and disciplines 
(Figure 35) should be optimally addressed for a fast and efficient vehicle design and assessment. A key 
element in this approach is the proper definition of interfaces and control volumes of the different 
elements, in particular for the external and internal flow paths ( 
Figure 36). Proper validation and cross-comparison are needed on existing vehicles supported by properly 
chosen experiments within the project. Gradually the complexity of these tools will be increased and 
systematically validated and finally applied to the vehicle. 


 
 


Figure 35:  Hypersonic Vehicle Design System [34] 


 


Figure 36:  Interface and control volume definition: (0) capture (1) inlet internal compression (2) 
combustion inlet (4) combustion outlet (6) nozzle exit. Arrows indicate the wall and interface 
pressure for the vehicle geometry and combustor control volume. [34] 
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4.2.2 High-Speed Airbreathing Cycle Analysis 


Closely linked to engine-airframe integration tools is the correct prediction of engine performance 
throughout its operational domain. Several new and particular cycles need to be implemented and 
investigated such as several variants on the air-turbo rocket/ramjet engine (Figure 37).  


 


 
Figure 37:  Air Turbo Rocket/Ramjet: Expander cycle (top) and Gas Generator (bottom) [35] 


Though a dual mode ramjet cycle was investigated in LAPCAT-I, further level of detail on the chemistry, 
combustion efficiency etc… is needed, in particular for operation in off-design conditions. These cycle 
models will form a basic module into the above described engine-airframe integration tool.  


 


4.2.3 Dedicated Experiments to Evaluate the Design in Various Operation Points 


Validation of the integration tools will be based on experiments dedicated on both individual components 
such as intakes and combustors, but also on integrated models for the internal flowpath with and without 
combustion as well as a complete model with external and internal flow aerodynamics and interaction. 
This means that the wind tunnel models will be equipped with both detailed diagnostics as well as 
integrated force and/or moment balances. Also scaling issues will be addressed experimentally in order to 
extrapolate the validity of the tools to the design of larger vehicles, not able to be tested in available 
ground based facilities. This strong interaction among different tools towards the final design is nicely 
depicted in Figure 38. 


 
Figure 38: Integral design approach [34] 


The availability of the integrated tool will allow the team also to assess previously investigated studies or 
configurations suggested in the literature. This extended assessment will increase the insight and know-
how to move into a global multi-disciplinary optimization of high-speed vehicle designs. By this way 
lessons learnt form past studies will aid the current final vehicle design. This built-up experience and 
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validated tool development should give solid confidence to propose a fully integrated vehicle to comply 
with the mission goals. Once defined, a roadmap will be defined with a step-wise approach to future 
development, including one or more flight experiments to prove the maturity of the technology at different 
milestones.  
As with any engine or vehicle design, its environmental impact is of importance. However, for vehicles 
flying at high speeds and high altitudes, limited know-how is available at present. The most important 
gaseous pollutants having an impact on the ozone concentration in the atmosphere are believed to be NO, 
NO2, H2O. Modelling studies showed that emissions of NOx by high-speed aircraft into the stratosphere 
may result in ozone depletion. In contrast, the NOx emissions into the troposphere lead to an increase of 
ozone concentration [3]. The quality of the effect of NOx emissions on the atmospheric ozone depends on 
the surface area of sulphate stratospheric aerosol layer and polar stratospheric clouds. However, these 
conclusions apply for hydrocarbon fuels and not for hydrogen as a fuel. Hence some of these conclusions 
need to be revisited to verify the influence of NOx and H2O onto the ozone layer and the formation of 
contrails with its direct and indirect effects. 
 


4.3 Conclusions 


LAPCAT-II started in October 2008 as a co-funded project of the European Commission within the 7th 
Framework Programme. Proceeding along the outcome of LAPCAT I, the project has now evaluated and 
cross-checked different configurations for the Mach 8 vehicle. More detailed results will become available 
publicly in the coming years. 


 


5.0 ATLLAS PROJECT AND ITS ACHIEVEMENTS 


The project ATLLAS (Aerodynamic and Thermal Load Interactions with Lightweight Advanced Materials 
for High Speed Flight) kicked off in October 2006. Its main objective is to evaluate and assess potential 
high-temperature resistant materials for sustained super- and hypersonic flight. This covers both materials 
for the external geometry as well as for the internal combustor geometries. The project, led by ESA-
ESTEC, is co-funded by the European Commission under the 6th Framework Program and a consortium of 
13 partners from industry, research institutions and universities.  
 


The objective is to identify and assess lightweight advanced materials which can withstand ultra high 
temperatures and heat fluxes enabling high-speed flight above Mach 3. At these high speeds, classical 
materials used for airframes and propulsion units are not longer feasible and need to be replaced 
preferably by high-temperature, lightweight materials and if required, some parts with active cooling. Both 
metallic and non-metallic materials are tested extensively including Ni-based Hollow Sphere Packings, 
Ultra High Temperature Ceramics and several (non)-oxide Ceramic Matrix Composites. Envisaged 
cooling techniques for CMC based combustion liners are film, effusion, transpiration and regenerative 
cooling. 


5.1 Introduction 


For high-speed aircraft, material and cooling issues for both airframe and engine are one of the key 
elements which forces the designer to limit the flight Mach number. The expected benefits of economical, 
high-performance and high-speed civil-aircraft designs that are being considered for the future will be 
realized only through the development of light-weight, high-temperature composite materials for structure 
and engine applications enabling reduction of weight, fuel consumption, and direct operating costs.  


When aircraft fly this fast for long periods of time, friction from the air passing over the aircraft heats 
up the outer surfaces of the fuselage and wings. For example, an aircraft flying at Mach 3 experiences a 
temperature increase of ~330ºC from this kinetic heating. The maximum temperature of the outer surface 
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would be at 350ºC. For Mach 6 the outer surface would be ~1200ºC. The extremely severe combination of 
component stress levels and high temperature operating conditions, as well as the requirement for an 
extended 25,000-cycle service-life, introduce the challenge of utilizing advanced materials without 
incurring excessive weight and cost penalties. Such materials' behaviour and related manufacturing 
processes are beyond current commercial experience and only little information is available. 


Propulsion engineers are mainly confronted with increasing difficulties arising from high engine 
temperatures. The structural total-life requirements for the SST propulsion system are the same 30,000 
hours as in subsonic commercial engines. Nevertheless, subsonic aircraft engines spend less than 10% of 
their mission time at the most severe engine conditions. On the contrary, SST engines spend about 60% of 
the mission time under the most severe combination of component stress levels and high temperature 
conditions. The challenge is to utilize advanced materials to cope with the high temperatures without 
incurring excessive weight and cost penalties. 
It brings the engine designer new problems because of the higher operating temperatures required to 
produce the higher thrust. At Mach 2 air enters the intake at about -60°C, is compressed in the intake to 
about 130°C at the face of the engine and leaves the high-pressure compressor at 550°C. At Mach 3 this 
rises exponentially to respectively 325°C and 986°C. 


Viable combustors concepts, having a long life goal of 18,000 hours, depend on the development and 
demonstration of a new class of high temperature ceramic matrix composites (CMC) for which no 
previous commercial practice exists. At the same time, lightweight, high strength and high stiffness 
metallic, intermetallic and ceramic composite materials are being examined for the exhaust nozzle design 
in order to meet engine noise and weight requirements.  


The major challenge arises from the total airframe configuration. To meet it the aerodynamicist has to 
produce a satisfactory compromise between two inherently conflicting requirements: the need for 
minimum drag in supersonic flight and the need for controllability and ease of handling in subsonic flight. 
From a design point of view, the lift-to-drag (L/D) ratio is the most important aerodynamic parameter of 
airliners, affecting essential economic-related performance such as maximum range, payload and fuel 
consumption. The primary cause of SSTs’ high specific fuel consumption (SFC) is the dramatic fall in 
airplane’s L/D ratio at supersonic speeds. Concorde, for example, experiences an L/D reduction in the 
order of one-half that of subsonic jets.   


The main goal, therefore, is to increase the lift-to-drag ratio throughout the speed regime of the next 
generation SST. Methods needs to be evaluated which include optimisation schemes coupled with state-
of-the-art computational fluid dynamic (CFD) solvers, as well as non-linear design methods. The 
development and application of Multi-Disciplinary Optimisation tools involving aerodynamics, 
propulsion, structure and flight mechanism are in the end required to realize an optimum integrated 
airframe/propulsion aircraft. It is however not the intent to evaluate new and advanced propulsion 
concepts as is the case for a presently running EC-project LAPCAT1. Here we start from existing engines 
(turbojets) or engines which are within technical range (turbo-ramjets). Finally, a SST design should also 
consider the impact of the sonic boom impact and possible measures to reduce it. 


5.2 Project Objectives 


 
The ATLLAS project aims at providing a sound technological basis for the industrial introduction of 


lightweight advanced high-speed aircrafts on the long-term (15-20 years), defining the most critical RTD-
building blocks to achieve this goal and finally to investigate in depth these critical technologies by 
developing and/or applying dedicated analytical, numerical and experimental tools.  


 
Two supersonic aircrafts concepts are evaluated. The primary cause of the high specific fuel 


consumption for high-speed transportation is the dramatic fall in lift/drag ratio at supersonic speeds.  The 
main goal is to find if the established empirical L/D barrier is fundamental or if it can be broken by careful 
design and in particular by close integration of the airframe and the engine. The study investigates an 
aircraft configuration suited to Mach 3 flight and another for Mach 6. Areas of critical aero-thermal loads 
are identified and evaluated. 
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 Critical technologies for both the external airframe and the propulsion units are assessed. The major 
issues addressed are sonic boom and heat transfer reduction, high temperature resistant materials which 
are both lightweight and long-duration oxidation-resistant, novel cooling techniques, particular 
aerodynamic phenomena related to compressibility, and fuels that have both high energy content and good 
heat sink capability. 


The concept of boom minimization is based on suppressing the coalescence of multiple secondary 
shock waves caused by the SST in supersonic flight, so that the overpressure (DP) at ground level is 
reduced. This can be achieved through the manipulation of aircraft’s design characteristics, resulting in an 
optimised N-wave pressure signature with significant sonic boom loudness attenuation. In the proposed 
program eliminating the fuselage bow shock and the rear reattachment shock is investigated by careful 
integration with the propulsion system. Alternatively, creation of cold plasma in front of nose or leading 
edges allows the change of shock structure and its related strength. 


Specific objectives for the envisaged concepts are related to materials and cooling. Lightweight 
airframe components are clearly needed for both concepts. The multi-functionality of hollow-sphere 
structures for aeronautical applications is evaluated for their low-density, thermal protection, acoustic 
absorption. Also Ultra-High Temperature Ceramics and oxidation resistant CMC materials for sharp 
leading edges and air intakes at sustained high heat fluxes typical for high-speed transport are investigated 
allowing the generation of a database for possible concepts and materials. 


Also lightweight engine components are needed allowing the increase of the combustion liner and 
turbine vanes temperature resulting into lower NOx-emission and higher turbine inlet temperatures leading 
towards higher thermal and propulsion efficiency. Long-term oxidation and wear resistance of the 
combustion liner for lean combustion conditions are performed for the same reasons of setting up a 
database for possible concepts materials. 


Despite the use of high-temperature protection systems, the imposed heat fluxes for airframe and 
engine still require the use of direct or indirect cooling to control material temperature. The initiation of 
high-temperature resistant materials automatically requires the (re)-investigation of novel cooling concepts 
by evaluation of various types of cooling processes (film, transpiration, effusion) within propulsion units 
with respect to cycle efficiency and controlling operational material temperatures. Also EHD cooling 
principles by altering the shock position and strength and hence the related stagnation heat flux are 
studied. 


 
The emphasis in the area of loads definition is to develop and verify models to predict the combined 


effect of aero-thermal and material interaction on several lightweight high-temperature resistant materials. 
This is accomplished by integrating existing aerodynamic, heat-transfer, and structural codes. The results 
are then calibrated and verified with simplified experiments   


The use of multi-disciplinary analysis and optimisation process (MDO) to model a sufficient complete 
flight mission by the inclusion of the disciplines aerodynamics, structure and flight mechanics allow to 
optimise the aircraft for maximal cruise range starting from a fixed maximal take-off weight and a given 
fuselage. As an appropriate balance between accuracy and numerical effort, high fidelity modelling based 
on an Euler flow solver and a finite element solver is intended for the high-speed cruise part of the mission 
using the disciplines aerodynamic and structure. 


ATLLAS is carried out by a 13-member consortium. As major European manufacturers in the highly 
competitive high-tech field of aeronautical high-speed flight design and manufacturing, ASTRIUM (D), 
MBDA (F) and EADS-Innovation Works (D)  provide the technical needs and application-specific 
expertise. One SME industrial partner, GDL (UK), has developed a design method particularly suited to 
highly integrated engine/airframes and is applying the method to the Mach 3 aircraft design. Another 
SME, ALTA (I), has developed renowned skills and expertise the field of high-speed experiments. The 
groups belonging to research centres (ESTEC (NL), DLR (D), ONERA (F), FOI(S)) and universities 
(Stuttgart(D), Munich (D), Southampton (UK)  and UPMC at Paris (F)) are all working for long-time on 
specific issues of propulsion, combustion and aerodynamics with close contact to industry in bilateral, 
national and international collaborations. They provide basic knowledge, investigation means and testing 
facilities. 
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5.3 Novel Concepts for High-Speed Flight 


Two aircraft configurations, suited to Mach 3 and Mach 6 flight are investigated. For both configurations, 
the major issues to be addressed from an aerodynamic point of view are sonic boom, aero-thermal loads, 
aerodynamic performance and fuels with good heat sink capability. The airplanes are being designed by 
two teams in parallel and integrated both almost by the same organizations, i.e. DLR, ESTEC, FOI, GDL, 
ONERA and UPMC. The selected design approach followed for each configuration has been completely 
different. The Mach 3 vehicle is the result of an inverse design strategy based on a method of 
characteristics where cruise efficiency and sonic boom mitigation have been the design variables. On the 
other side, the design of the Mach 6 vehicle is the result of applying a high-fidelity multi-disciplinary 
design optimization technique to an existing vehicle configuration. Here cruise range has been the 
optimization target. However, more than the configurations themselves the development and validation of 
the design-tools for both vehicles have required a major time and constitutes therefore one of the major 
achievements. 


In support of the design of the Mach 3 vehicle, the theoretical limits to cruise efficiency have been 
determined and a global approach to aircraft cruise performance optimisation was set out. The strategy has 
been validated comparing predictions of cruise efficiency for Concorde and XB70. For the Mach 3 vehicle 
the analysis indicated that venting the exhaust in the lee of the wing and base of the fuselage will enable 
supersonic/hypersonic aircraft to have cruise efficiencies that are competitive with their subsonic rivals. A 
vehicle configuration has been developed featuring a circular fuselage with nose intake and an internal 
high bypass turbofan. A water tight CAD model of the outer mold line was developed, together with a 
general arrangement showing the locations of primary system, fuel storage, cabins and undercarriage 
(Figure 39).  


 
Figure 39: Mach 3 vehicle CAD-model (left); configuration with fuselage and wing skins off (right). 


Cyan: air flow path; blue: wing nozzle and thrust surfaces; red: fuel tanks; magenta: cabin. 


The exhaust is ducted to the wing and fuselage bases. The wing has a high aspect ratio for good subsonic 
performance while drag due to thickness is eliminated by exhausting approximately two thirds of the 
propulsive stream from the wing trailing edge. Aerodynamic analyses for the Mach 3 configuration 
illustrated the feasibility of the propulsive-aerodynamic integration over a wide operational range. 
Particular attention is given to the expansion of the exhaust gases over the rear part of the wings in order 
to assess its impact on the overall vehicle performance over a wide range of flight Mach numbers (Figure 
40). 
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Figure 40:  Mach 3.5 configuration: Mach distribution including exhaust expansion in the aft part 


of the wing: top: M=0.4, Alpha=0; bottom: M=3.5, Alpha=0. 


Similarly, significant effort has been devoted to developing a propulsion model of the intake - ducted 
turbofan – air transfer duct and ramjet / afterburners (Figure 41).  The models employs the compressor 
map scaling techniques of Kurzke and ensures that the work provided by the choked HP turbine meets the 
core compressor requirements, and similarly that the LP turbine drives the bypass fan. Compatibility 
between bypass and core streams requires that their static pressure be equal prior to mixing. Also, an 
initial mass budget has been developed and used to perform a trajectory flight-out simulation. The vehicle 
undertakes a cruise-climb profile, with cruise efficiency above to 3.8, indicating a fuel burn during cruise 
of 160tonnes over the designed range. Finally, CFD predictions of the vehicle at cruise have been 
performed. Lift, drag and pitching moments have been determined from the calculated momentum fluxes, 
together with integration of the surface pressure and viscous forces. The nose to tail CFD simulation has 
provided an important confirmation of the design premise, namely that exhausting in the lee improves 
cruise efficiency in comparison to a conventional design whilst resulting in a vehicle with acceptable 
aeronautical characteristics. But also the CFD simulations have shown an undesirable interaction of the 
wing nozzle flow field underneath the fuselage resulting in a reduction of lift of the overall concept; a 
relative high sonic boom signature (comparable to that of the Concorde) and a marginally negative thrust 
drag balance. Since parasitic drag from the fin was not included in the initial control volume analysis for 
the inverse design and also the real system has a greater ratio of wetted area to frontal area than originally 
assumed in the control volume optimisation, a future design should account for both effects.  


 


 
Figure 41: M3T engine flow schematic 


For the Mach 6 vehicle, the departure configuration is based on the HYCAT 1A configuration designed by 
Lockheed in the late 70’s. Parameters of different physical disciplines e.g. propulsion, structure and 
mission were provided by different ATLLAS partners and serve as input for the MDO process. Thus a 
complete mass budget, a propulsion table, mission database and geometry parameters are available. 
Within the ATLLAS project several MDO runs were performed whereas the last one includes all targeted 
disciplines. During the MDO process, for each configuration the following mass and structure analysis is 
performed:  


i. determination of preliminary structural layout and structural masses;  
ii. determination of maximum fuel mass;  


iii. determination of a centre of gravity (COG) span depending on different fuel levels.  
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To reach these objectives the numerical method of finite elements (FEM) is used to increase result 
accuracy. During the ATLLAS project an initial FEM model was designed composed of shell and bar 
elements describing the basic structural layout. Furthermore element properties, material types and 
material groups were given to the model. Used materials are steel, aluminium, aluminium alloy and an 
aluminium-beryllium-alloy also known as Lockalloy or AlBeMet which is almost as stiff as steel but has a 
significantly lower density. The replacement of some parts of the fuselage cover by AlBeMet seriously 
improved the dynamic behaviour of the configuration. However the high costs of AlBeMet have to be 
mentioned which are not considered in the MDO process at the moment. The material properties were 
transformed to the MDO material library which was slightly extended by the C/C-SiC material for leading 
edges claimed by high temperatures. The material properties for C/C-SiC were provided by ATLLAS WP-
3 and integrated to the structural process as anisotropic material. The arrangement of the several material 
groups is shown in Figure 42. 


 
Figure 42: FEM Materials group. 


The results of the final MDO are presented in Figure 43. The run was stopped after 520 iterations since 
based on former MDO runs no major improvements were expected beyond that. The time needed for a 
single iteration was between 3 and 5 hours while the overall time for one entire MDO process was 3 
months.  
At first the changes of the configuration seem less then expected. The most obvious changes are the 
enlarging of the forebody, modifications of the wing and the horizontal stabilizer geometry as well as the 
nozzle design. There are also changes in the wing span width and wing vertical position given by the 
forebody leading edge z-component. Additionally the double-trapezium wing profile is strongly modified 
by moving the middle edges to each other. It seems the profile shape is tending to a diamond profile. 
Additionally there are some marginal displacements of the nose and the wing tip position as well as a very 
small increase in tail thickness. During the MDO process for every configuration, a database is created 
containing more then 300 parameters to describe aerodynamic, propulsion, structural and mission 
performance. During the optimization the objective function is increased from 0.97 to 1.38. This means 
starting from a slightly penalized configuration the final configurations objective function is improved by 
almost 40%. The relative huge improvement is explained by the modification of the structural design and a 
better begin of cruise to end of cruise mass ratio and also by an improved interaction between propulsion 
system and aerodynamic. However, a final cruise range of 4250 km is still low. Respecting the considered 
reserve fuel and taking also the initial mission profile into account the maximum mission range of the final 
configuration can be roughly estimated to about 7400 km compared to 6200 km of the initial 
configuration. The estimation is based on 1200 km for the accelerated climb, 1500 km for the descent and 
500 km due to reserve fuel. However the HYCAT 1A estimations of 9000 km mission range can not be 
confirmed within this work. 
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Manoeuvre loads are considered for the structural analysis of the Mach 6 configurations. The first case is 
the symmetric pull-up, which represents also a gust-load. For the fuselage, a similar bending-case also 
occurs at touch-down. The load-factor at limit-load is assumed to be nz=2.7. A second test combines the 
simultaneous loading of the stabilizer and tail fin (Figure 44). It is concluded that some additional local 
resizing might be needed. Further optimization, includes shifting mass from stiffeners to the surrounding 
skin to improve bending stiffness  


 


 
 


Figure 43: MDO current results: top: initial configuration, bottom: current configuration. 
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Figure 44: Stress-levels (von Mises) for a tail load case. 


Further, a sensitivity analysis to the outer shape deformation has been carried out. The results show the 
most influent parameter being the first ramp deformation, with a visible effect on the intake aerodynamics 
as shown in Figure 45. 


Figure 45: Sensitivity to forebody and ramp deformations for the Mach 6 configuration. 


Due to the present results for future MDO processes the structural part of the MDO tool is one major point 
of interest. Indeed, here a fairly large and heavy aircraft has been analysed, which means that structural 
issues have a significant influence on the aircraft design (the structural weight is estimated to be about 
30% of the gross-weight, whereas for instance the payload is about 6%). Large parts of the structure have 
their dimensions governed by stiffness requirements. The structural material chosen must of cause be 
compatible with the expected temperatures for the structure, which depending on insulation and cooling 
may still be high. The stress-levels calculated over significant regions of the tail and rear fuselage requires 
further attention. The specific strength at room temperature of titanium and extreme high strength steels 
are about 50% higher than that of aluminium. Not only the temperature limit for aluminium is much lower 
than steel and titanium, but its strength is also more drastically reduced at elevated temperatures. The 
choice made here to let stainless steel be representative for the specific stiffness seems appropriate during 
conceptual design and possibly during early stages of preliminary design. Beyond that a more detailed 
selection must be made due to different temperatures, thermal stress-levels and since dominant structural 
regions are designed for stiffness, but many parts will be designed under stress-constraints. The analysis 
performed here has indicated that a feasible design is likely to exist but a number of additional studies are 
needed (as for example the nozzle ramp displayed in Figure 46. More detailed design and analysis of a set 
of selected parts in different regions of the aircraft would improve data for the structural weight analysis. 
Such detailed design-work however requires more data about expected temperatures (cooling and 
insulation requirements). Within a more local design- and analysis study more attention can be given to 
design solutions to cope with thermal stresses and also maintenance issues. 
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Figure 46: Stress-levels for a temperature-case of �T = 500°C. 


The design of non-integral tanks for the Mach 6 reference configuration has been done using a new Multi-
lobe Tank Extension Module, developed by DLR. This extension accounts for load factors, heat fluxes and 
fuel mass. The software is successfully used for a fast design of tanks that fit quite well inside the aircraft 
geometry. 


 
Figure 47: Automatic multi-lobe tank generation with aircraft fuselage constraint. 


During ATLLAS, there have been advances in the area of Sonic Boom prediction. The work has 
demonstrated that gravity is directly responsible for the attenuation of sonic booms as they propagate 
towards the ground, while the gradient in acoustic impedance has no effect on the wave strength. 
Therefore current sonic boom theory, although giving satisfactory matches with ground pressure 
measurements at low supersonic Mach numbers may be inconsistent at high altitude high flight Mach 
numbers. More specifically, gravity is omitted from the acoustic propagation equations and artificial 
acoustic impedance effects are erroneously introduced. Since Whitham's theory for bow shock strength 
has been compared with a Method Of Characteristics (MOC) calculation in a uniform atmosphere (without 
gravity) and found to be very accurate, the theory has been extended to include the effect of gravity and 
ambient temperature and the results are in near perfect agreement with the numerical MOC solution for 
the same case. Finally the method has been also applied to predict signatures of the Northrop-Grumman 
Shaped Sonic Boom Demonstrator (SSBD) showing good agreement with the experimental ground 
signature as is demonstrated in Figure 48. 
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Figure 48: Measured (solid) and MOC (dashed) signatures for the SSBD (blue) and F-5E (red), 


assuming a ground reflection factor of 1.8 


For the Mach 6 configuration, the atmospheric impact on sonic boom propagation has been quantified 
statistically by UPMC, based on numerical simulations and using meteorological data [36]. The 
atmospheric absorption and dispersion model has been integrated into an existing sonic boom code.  Using 
CFD results provided by DLR and ONERA (Figure 49), the present study shows that the Mach 6 reference 
configuration produces a ground sonic boom with noise characteristics (shock overpressure and rise time) 
comparable to existing supersonic aircraft (like Concorde or military aircraft), but with a wider lateral 
extent which is due to a higher Mach speed and a higher altitude (Figure 49).  


 
Figure 49: Sonic boom prediction for the Mach 6 reference configuration. Left : Carpet width prediction for 
two locations (Edwards AFB, California, USA and Le Havre, France), two headings (West 0° and East 180°) 


and for the 1st of each month in year 1993. Right : One example of peak overpressure distribution. 


Further, as other authors had previously identified cruise conditions is by far the part of the mission least 
prone to cause sonic-boom annoyance. Analysis of the mission profile of a hypersonic transport aircraft 
remarkably similar to the HYCAT 1A and measured sonic boom data in a wind tunnel show that during 
descent the ground overpressure reached is two fold the cruise overpressure and during climb, even a four 
fold overpressure is reached. As the climb and descent phase of a mission are the legs most likely to pass 
over land, such very critical finding motivate to look for other type of measures to mitigate sonic boom 
like flow manipulation via magneto-hydrodynamic effects; via energy deposition (aero-jet or plasma 
spikes) or applying physical spikes. While none of them have had an important impact on the peak level of 
the overpressure, they affect the time-rise needed to reach the maximum. Here resides the potential of such 
measures since the time-rise is the primary source for the human-annoyance produced by sonic-boom. The 
study carried out for the Mach 6 vehicle shows that using energy deposition the time rise could be 
extended from 1ms to 30ms (!), but this comes at the cost of 100 MW which need to be deposited into the 
flow. 
However, another application of energy deposition is the potential substitution of mechanical actuator 
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devices like ailerons, rudders, flaps, etc. (Figure 50). Indeed, a 0.56 MW/m thermal deposition is able to 
cause the same force as a 5deg mechanical flap deflection but requires less total power (i.e. thermal and 
finite thickness drag power combined) than the 5deg mechanical flap deflection (in terms of finite 
thickness drag power). Further, energy deposition could be used to substantially change the location of the 
centre of pressure, depending on the position of the energy deposition. 
 


 
Figure 50: Comparison of produced lift and required power for energy deposition and mechanical deflection. 


A logical follow-up of the study should now set up a more detailed materials requirement with respect to 
the vehicles thermal environment. Evolving from a more comprehensive study, the effects of the thermo-
mechanics loads on vehicle aero-elasticity and structure dynamics can now be considered. From a pure 
thermal environment analysis, the materials investigated within ATLLAS satisfied both vehicles needs.  


Further, for the ATLLAS Mach 3 vehicle, a power cycle employing cryogenic methane fuel has been 
developed to fulfil three roles within the vehicle: (i) provide cabin cooling from heat transfer through the 
external skin and internal air transfer duct; (ii) pre-condition the cabin ventilation air taken from the nose 
mounted intakes; and (iii) provide a source of auxiliary shaft power during cruise. Once the fuel has been 
used within the cycle, it is available for combustion, within the engines. Undertaking a typical flight over 
the design range (5,000Nm/9260km), 12t of methane fuel are required for the Mach 3 vehicle. The cabin 
insulation strategy has been carefully developed to ensure minimum weight of the insulation system, 
compatibility with the power cycle, and to retain the internal wall temperatures at 30deg C for thermal 
comfort. The preferred cabin wall is shown in Figure 51.   
 


 
Figure 51: Mach 3 vehicle cabin cross section and proposed wall make-up. Fuselage outer skin and 


structural zone (red), inner insulation zone, air gap, for cabin return air and inner skin. 


For the Mach 6 vehicle, fuelled by cryogenic hydrogen, it is observed that the latter provides nearly 
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10MW of latent heat sink capability in cruise. Environmental heat loads have been evaluated and an active 
cooling system is proposed for the cabin skin and a passive system for the fuel tanks. Even with modest 
amounts of insulation, cooling requirements remain small compared to the cooling availability in the fuel. 
Furthermore, bleed air is available at nearly 2bar, eliminating the need of additional compression and 
therefore with a helium loop operating over a relatively modest compression ratio, large amounts of power 
are available. 
It is quite clear a lot of technologies need to be brought to a higher technology readiness level before one 
can even envisage kicking-off the manufacturing and operation of these types of vehicles. However, it is 
important that first the know-how and experience is put in place to assess whether or not any sort of high-
speed concept has the required cruise performance. The study has shown that a cruise efficiency above 
three, i.e. L/D ratio times the propulsion efficiency, is recommendable for a long-haul cruiser. This can be 
achieved with the newly designed Mach 3 vehicle M3T (see Figure 6) which is also well above the 
Concorde’s figure of merit. The Mach 6 vehicle is however rather disappointing even after a dedicated 
optimization process which brought it up with 10 to 20%. This doesn’t mean a Mach 6 is basically not 
conceivable, but indicates rather that a ‘classical’ design as proposed by Lockheed is not recommendable. 
A different architectural design or an improved engine design, including intake and nozzle, is needed to 
make it attractive. As this perspective not out of scope, the Mach 5 A2 vehicle conceived during the 
LAPCAT project can achieve this critical cruise efficiency. The better performance for the latter is mainly 
due to a well designed engine concept. 
 


5.4 Lightweight Airframe Materials for Sustained High-Speed Flight 


 
High-speed aircraft are exposed to high thermal and mechanical loads. Especially the nose structure, wing 
leading edges, air intakes etc. reaches temperatures which require special heat resistant materials, 
structural concepts and optional cooling devices. As the requested aerodynamic performance for an 
aircraft focuses on a high aerodynamic lift to drag ratio requiring sharp leading edges and rather thin wing 
or stabilizer structures. The utilization and implementation of both of these requirements demands a 
detailed investigation of lightweight airframe materials including material design, coatings and 
determination of basic material properties withstanding high temperature requirements (Figure 52). This 
includes various tests on material samples to determine temperature stability, chemical resistance to the 
expected operational environment, mechanical stability and required additional physical properties. Three 
general classes of material investigation are considered: metallic hollow-sphere packings, Ultra High 
Temperature Ceramics (UHTC) and Ceramic Matrix Composites (CMC). Each of these is addressed 
below. 
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Figure 52: Radiation equilibrium wall temperature at stagnation point, Mach 6, ε = 0.85, Λ = 65°. 


Various methods fabricating cellular solids, mostly foams have been investigated in the past. Most effort 
has been spent in the field of aluminium foaming processes. An entirely different concept to manufacture 
cellular solids is the approach via hollow spheres. Employing the hollow sphere technology, structures can 
be designed virtually to application needs. In contrast to classical foaming processes, there are no 
restrictions with regard to material selection (melt viscosity and stability). The powder metallurgical 
approach is applicable to any metal or even high performance alloys. The hollow sphere technology 
allows high degrees of porosities, reproducible properties and fair process control, structural regularity, 
excellent noise absorption and low weight. 


The principal feasibility of metal hollow sphere based components for high-speed transport vehicle and 
propulsion systems are evaluated by ONERA on an engineering test sample level. The fabrication 
techniques for hollow sphere structures are adapted to the application requirements with regards to 
materials, densities and thermal properties [37]. In parallel, fabrication technologies for panels with 
hollow sphere cores are developed (Figure 53). This includes screening of suitable joining techniques 
(brazing, diffusion bonding) and relevant test methods thereof. Establishing suitable joining techniques for 
hollow sphere structures is a crucial step to supply components in sizes relevant for the envisaged 
application. A second axis aims at determining the mechanical and acoustic absorption properties of 
lightweight high strength structural panels for high temperature structures in nickel based microsphere 
panels.  


In parallel a FE-based model is developed to characterise the mechanical behaviour under compression of 
hollow spheres packings (Figure 53). Accent is put on the influence of the architecture of the packing on 
its mechanical response. Calculations are conducted on infinite simple cubic (SC-), body centred cubic 
(BCC-) and face centred cubic (FCC-) packings by applying planar, uni-axial compressive loads [38]. It 
turned out that the behaviour of HSPs is mainly governed by the localised plasticity in the neighbourhood 
of meniscus ends for small strain levels; for higher strain levels, buckling of hollow spheres and self-
contact between spheres occurred. Furthermore, the influence of the geometry and type of a HSP has been 
analysed. Like for other cellular materials, the effective mechanical behaviour of HSPs strongly depends 
on their compactness as well as on their relative density. For instance, the moduli increase with the 
compactness of the packings, which indicates that they are highest for FCC-like and lowest for SC-like 
packings. In order to estimate the sensitivity of the effective material behaviour of the packings, a calculus 
of variations for the constitutive material’s behaviour is performed. It constituted, that a pure plastic 
behaviour for the packings does not exist, even for smaller strain levels causing a local plastic 
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contribution. Additionally, investigations on the effect of defects like e.g. a dispersion of the geometrical 
packing parameters and varying the solicitation rate were performed including an elasto-viscoplastic 
behaviour for the constitutive material. 


Figure 53:  Sandwich panels with a HSP core for structural testing and its mechanical modelling for its 
compressive behaviour. Left: 6x6x2 hollow spheres with t=0.56mm; right: 4x4x6 hollow spheres with t=0.56mm


The interest in UHTCs has grown in the past years, especially in the US and in Italy. However, their 
application in aerospace is limited and demands for further exploration. Just two experiments under real 
flight conditions were undertaken with the Sharp Hypersonic Aero-thermodynamic Research Probe-
Ballistic experiments 1 and 2 (SHARP-B1, 1997, and SHARP-B2, 2000). Oxide materials are, at best, 
intrinsically resistant to oxidation. The manufacturing and investigation of ultra high temperature ceramics 
within the project are based on a mixture between transition metals, borides and carbides. The interest of 
such associations is to promote the formation of dense refractory oxides like ZrO2 and HfO2. The most 
suitable way to produce sharp edges is to manufacture monolithic parts using hot pressure sintering of an 
appropriate mixture of powders. Monolithic UHTC inserts could be also applied in composite structures. 
Another challenge to succeed in this field is to achieve a sufficient level of toughness to overcome the 
brittleness of ceramic materials. 


The work conducted by ONERA further developed the hot pressing sintering for three selected material 
compositions. In order to reduce contamination and to obtain the purest compounds possible, the attrition 
process and times was improved. Dimensions of the manufacturable flat samples could be enlarged up to 
68x68 mm². Additionally discs and parallelepipeds were machined. In order to prove feasibility, very thin 
structures (thickness 1.9 mm) with minimal nose tips (radius app. 0.15 mm) are manufactured (Figure 54). 
Specific samples are being manufactured to investigate thermal and chemical characteristics at the arc-jet 
testing facility L2K of DLR Cologne [39]. 


Figure 54:  UHTC air intake prototype (40x40x1.9mm3); arc jet sample Ø 26,5; thermal and chemical tests t the 
L2K facility of DLR. 


 


Mechanical investigations determined the hardness indicating high values close to tungsten carbide. 
Measurements of toughness revealed that this parameter is very limited like common silicon carbide. 
Three point flexural tests showed that the flexural stress were equal or higher with increasing temperature, 
similarly for the flexural strain but nevertheless a significant decrease of modulus. Additionally, the 
thermal expansion of UHTC material was determined for a range between 20 °C and 1250 °C at argon 
atmosphere. 


The application of ceramic matrix composites for leading edges and air intakes are investigated by three 
DLR institutes (BK, WF, AS-WK) and FOI. Its application demands a densified material with high 
thermal conductivity and emissivity. Hence, the fibre orientation and matrix composition should be well 
adapted along with adequate coating procedures to provide optimised surface properties. Chosen CMCs 
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are C/C-SiC and OXIPOL, manufactured by DLR-BK, and WHIPOX by DLR-WF. Structural tests at 
DLR-AS-WK focus on a generic but representative design and manufacturing of a sharp leading edge 
including an interface to an adjacent structure. This sample needed to consider structural and system 
aspects like joining technique to a cold substructure and sensor integration. One major objective is to fit 
this structural sample within an arc jet test facility for a test within high-speed gas flow conditions.  


Though the application of C/C-SiC or C/SiC for re-entry vehicles is state of the art due to the material’s 
excellent thermo-mechanical behaviour, their service-life is low in comparison to the requirements for 
hypersonic aircrafts, e.g. extended 25,000-cycle service-life. C/C-SiC and WHIPOX were already tested 
during SHEFEX as thermal protection system of a hypersonic experiment. In general, oxide ceramic based 
materials offer a wider framework to tune their material characteristics to the envisaged application. As 
WHIPOX has low emissivity characteristics, a dark coating based on spinel phase with high emissivity is 
developed and tested in the arc jet testing facility L3K. Different fibre orientations are investigated (1D = 
+3°, +15° and 0|90°) to determine Young’s modulus, interlaminar shear strength, bending strength and 
notching sensitivity [43] below. Also creep tests are performed at 1100 °C. Unfortunately, for the non-
oxide CMCs the measurements are limited to room temperature with respect to creep/fatigue. For optical 
characterisation, FOI measured the reflectance and transmittance at room and high temperatures [41] 
below.  


Finally, a leading edge model is manufactured in order to study the thermal and chemical characteristics of 
a representative leading edge in an arc jet heated flow. Since the sharpness of the leading edges is limited 
by the material’s manufacturing process, a leading edge nose radius of 2 mm was defined as baseline for 
all materials (C/C-SiC, OXIPOL, WHIPOX). Since there is no specific limitation for C/C-SiC, a very 
sharp leading edge is manufactured to study directly the effect of sharpness (Figure 55). FOI provided a 
numerical simulation for the comparison of the experimental tests. The structural part is modelled using a 
FE method. For the fluid-structure analysis, a modal representation of the structure is investigated in order 
to provide the model reduction needed to manage a large scale coupled analysis (Figure 56).  


 


    
Figure 55:  C/C-SiC leading edge with radius 2 mm (left) and sharp-edged (right) 
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Figure 56:  Leading edge model and its mesh for numerical simulation at FOI 


  


Figure 57: Simulated pressure contour along the symmetry plane (left picture) and simulated wing 
temperature distribution for OXIPOL (in Kelvin) at α = 5°and δ = 0° (right picture). 


 
The overall outcome of the numerical validation is fairly good, despite some simplifications made, and the 
profile temperature dependence on the direction of the flow is well depicted by the simulation model. The 
surface temperature near the location of the bow shock is affected by the different angle of attack. The 
central part of the wing is relatively far away from the cover plate where the bow shock is weak for the 
considered angles of attack. Figure 57 shows the pressure contour along the symmetry plane of the model 
for α = 5°and δ = 0°. 
 


5.5 Increased Engine Thermal Efficiency: Novel Cooling Concepts 


The focus here is on increasing the combustion temperature by using lightweight materials and novel 
cooling concepts of the combustion chamber liners. Different fuels are investigated, which are required for 
the studied aircraft concepts: kerosene and cryogenic fuels. Both high-pressure (aerojets) and ramjets 
based combustion chambers are used as a test bed to deal with realistic operational gas flow conditions. 
Different cooling techniques are investigated under a wide parameter range, i.e. film, effusion, 
transpiration and regenerative cooling. The thermal performance is investigated and a comparison to the 
simulation results is performed. The cooling techniques are evaluated with respect to overall engine 
performance (e.g. specific impulse and thrust), and the production of NOx emissions. Detailed information 
is reported in [40]. 
Based on experience obtained from a transpiration cooled ceramic combustion chamber for rocket 
engines, it seems to be possible to use a similar cooling technology for high speed airbreathing engines. 
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With less air used for cooling, higher combustor liner temperatures are obtained in the order of 1500°C. 
With CMC turbine vanes able to cope with these higher combustor exit temperatures, the overall thermal 
efficiency increases. 
Main focus is oxide ceramic based materials for combustion chambers. Besides their high temperature 
stability, the specific weight and their possibly oxidising stability offer a wide range of possible 
applications. In addition to the very high gas temperatures and pressure within the engine (combustion 
chamber, expansion nozzle etc.) the chemistry and gas composition (O2, H2O, CO2, H2, N, CH...) affects 
the structure of the material. Within this area, oxide based CMCs combined with active cooling are 
promising candidate materials. 
The principle of this cooling technique is to create a gas flow from the cold substructure to the hot surface 
directly through the porous material itself. Thus, in addition to the direct cooling effect, the boundary layer 
at the surface is influenced reducing the convectional heat transfer and chemical reactions. In contrast to 
the above mentioned current development of the C/C based transpiration cooled burning chamber for a 
H2/O2 rocket engine with fuel rich burning conditions, engines for high-speed aircrafts are designed for 
optimised efficiency resulting in a lean, oxidiser rich burning condition. Thus, oxidation-resistant 
materials are of prime concern. 


Regenerative cooling (PTAH-SOCAR existing cooled structure concept for example), transpiration 
cooling (for example through DLR porous materials) and film injection cooling are investigated. State of 
the art and existing models are used to define the configurations to be tested [44] below.  


The design of the film cooling experiment is finalized and the first part of the experiments is finalized [45] 
below. The operating points are chosen in order to allow for a comparison of the different cooling 
techniques. Two film applicators have been designed and built in order to cover the envisaged operating 
envelope of the experiments. To improve the measurement accuracy by getting a direct heat flux 
measurement within the TUM facility, DLR Cologne develops a heat flux sensor concept (Figure 58). This 
is congruent with the constraints and requirements coming from the planned operational domain as well as 
from the test specimen. The probe is manufactured and calibrated at DLR Cologne, before it is tested at 
moderate heat loads in the oxidator rich combustion chamber at TUM. The development is aided by 
calculations of the transient and stationary temperature field of the sensor with ANSYS and by 
calculations of the heat fluxes during the calibration process of the sensor following the system 
identification approach. 
 


 
Figure 58: DLR Cologne heat flux sensor 


Different CMC materials are fabricated by DLR-BK in Stuttgart which is used for transpiration cooling 
tests in the TUM facility (Figure 59) [42].  
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Figure 59: WHIPOX liners manufactured by DLR for transpiration cooling tests at TUM 


Additionally Astrium designed two PTAH-SOCAR combustion chamber segments which are 
manufactured of CARBOTEX® material [46]. After the inner diameter of the liner has been braided, a 
spacer foam was applied in order to form the coolant passage before the outer diameter of the liner was 
manufactured. After the R-CVI process the hardware was checked in a CT scan as shown in Figure 60. 
The CMC liner is machined to the required dimensions (Figure 61) before the combustion chamber 
surface is coated via slurry siliconization and then machined to its final dimensions. 


 


 
 


Figure 60: PTAH-SOCAR CMC segment manufacturing process: CT scan after R.CVI process 


 


    
 


Figure 61: PTAH-SOCAR CMC liner machined for joining with the microfibre shells 


 
Test results allowed characterizing the tested structures and headlined the possibilities and the limits of 
existing models, leading to enhance them afterwards. The axial distribution of the heat flux density as well 
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as the pressure drop in the cooling channels is recorded for the entire envisaged operating domain (Figure 
62).  
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Figure 62: Pressure Drop and Heat flux evolution for CarbotexSI PSR 


 
Despite the large effort on CMC materials for combustor, the behaviour of selected metallic materials are 
still of interest in a high-pressure oxidizing environment at high temperatures. After a material pre-
selection by data / literature analysis was done, candidate materials for investigations are selected and a 
test plan for material property determination as well as material sample analysis was described. Physical 
property measurements (thermal conductivity, heat capacity, thermogravimetry under oxidative 
atmosphere) are performed. Different sets of samples were tested during an overall testing time of 300 s 
per sample (Figure 63). 
 


  


Figure 63: Inconel material samples during hot fire experiment and after test time of 300 s 


Post test analysis of several thermally loaded samples (visual, sample surface, oxide layer composition and 
thickness, microstructure, level of oxide layer formation / degradation / contamination, roughness, weight) 
are finished.  
Also materials for dual mode ramjet combustors were investigated [47]. Several porous materials such as 
oxide/oxide materials (WHIPOX or OXIPOL), SiC-based material (C/C-Sic, SICTEX or CARBOTEX) 
and simple C/C are exposed to subsonic and supersonic (Ma=2) internal flow at total temperatures of up to 
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1450 K. With the use of infrared (IR) thermography and additional thermocouple instrumentation the 
transpiration cooling efficiency is investigated (Figure 64). The gas in the main-stream is an electrically 
heated air whilst as a coolant air and inert gases are used. The samples of CARBOTEX material in PTAH-
SOCAR structure design were designed to be applied as a regeneratively cooled wall.  
 


 
Figure 64: Qualitative infrared-thermography images for 0/90-C/C sample with increasing 


blowing ratio F (main flow from left to right) 


Based on the vehicle performance and the outcome of the different cooling techniques and applicable 
materials, the design loop is closed by studying the performance of the engine concepts and evaluating the 
NOx emission. Therefore, FOI has established a basis for chemical equilibrium and chemical kinetics 
studies, including some different reaction sets for H2 combustion. Initial results show relatively high NOx 
emission levels for the M6 concept.  
 


5.6 Material-Aero-Thermal Interaction Modelling 


In parallel to the above described experimental investigations, the modelling aims at enhancing and 
testing the coupled aero-thermal phenomena in the ATLLAS type high speed flows. The phenomena 
studied are shown in Figure 65 and described in more detail in [48] below, are addressed with different 
approaches (CFD, semi-empirical, commercial or in-house codes …). Comparisons have been performed 
with analytical and experimental results from literature, and some numerical cross-checks are planned.  
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Figure 65: Investigation of coupled phenomena on Mach 6 generic aircraft 


The emphasis in the area of loads definition is to develop and verify models to predict the combined 
effect of aero-thermal and material interaction on several lightweight high-temperature resistant materials. 
This is accomplished by integrating existing aerodynamic, heat-transfer, and structural codes. The results 
are then calibrated and verified with simplified experiments. The generic high speed aircraft is a support 
for the requirements of both the experimental work (TUM and ITLR high temperature flows with cooling 
techniques or advanced materials investigation) and coupled phenomenon computational tools. 
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ESTEC and MBDA focus on the modelling of multi-physics flow within porous media. On the basis of the 
commonly-stated computational plan, several porous medium and combustion test cases have been 
computed with different levels of refinement. As the test cases are completed, the software porous media 
flow-through model implementations are presently validated versus the different experimental campaigns. 


The TUM combustion experiment was computed with different approaches. MBDA computed in 3D with 
CFD-ACE while ASTRIUM did some 2D with its empirically tuned code ROCFLAM (Figure 66). 
Comparison made on heat fluxes on the different segments of the water-cooled calibration chamber gives 
good agreement, except in the first segment, where mixing and ignition takes place. 
 


W/m²


Gaz temperature (K)


    
Figure 66: NS computations of TUM experiment  


(left: 3D MBDA with CFD-ACE ; right : 2D ASTRIUM with ROCFLAM) 


For the heat transfer in porous media, a basic experiment was chosen in the published literature. The 
work of Provence University in Marseille consists of a porous medium (either glass or bronze), heated on 
two sides and fed with cold liquid pentane. The numerical sketch is given on Figure 67. 
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• Porosity: 0.40
• Permeability: 24 10-12 m2
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• 2258 < Cp < 2411 J/kg/K
• 0.116 W/m/K >  > 0.103 W/m/K
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Figure 67: Basic test case of heat transfer in porous media from Marseille laboratory (Rahli et alii) 


Different computations are performed by MBDA on the two experiments while varying the way of 
computation of the porous medium equivalent conductivity, from serial to parallel assumptions. The 
default formula used by CFD-ACE and the serial formulation give temperatures close to the measured 
ones.  
 
The ITLR supersonic test case is the final check for the validation process done for air at three total 
temperatures: Tt,g = 450 K, 600K and 1060 K [53],[54],[55],[49],[57] [58]. The wall temperature has been 
plotted versus the streamwise sample length for the lower value of Tt,g = 450 K and the highest value of 
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1060 K (Figure 68). The thermocouple readings are shown as cross symbols in the plot. The numerical 
values have been extracted at the interface between the porous zone and the main-flow zone. The recovery 
temperature of the hot-gas is not reached in any data point of the plot, due to the non-adiabatic setup. A 
wall temperature profile was imposed down and upstream of the sample, obtained by a thermal analysis. 
The sensitivity of the temperature at the interface between the porous medium and the main flow is 
relatively high with respect to the thermal boundary conditions set at the side-walls of the sample.  
 


 


Figure 68: Comparison between experimental and numerical results: temperature at the interface for 
different blowing ratios  and core flow total temperatures: left: Tt,g = 450 K; right Tt,g = 1060 K. 


 


For Tt,g = 450 K, the agreement between experimental and simulations is very good (Figure 68). For Tt,g = 
1060 K, the agreement between experimental and simulations is only good for the high blowing ratios. A 
discrepancy can be seen for the lower blowing ratio cases. This difference in computed and experimental 
interface temperatures increasing with freestream total temperatures was found to be due to thermal losses 
not taken into account in the CFD, i.e. radiation and translateral heat conduction. Based on a reduced heat 
balance model, the calculated extra heat losses are nearly 30% higher than the convective or the 
perpendicular conductive heat transfer for the test case at 1060K. Radiation is limited however and is only 
accountable for 10% of the additional heat losses. For higher blowing ratios, the agreement between the 
experimental data and the numerical temperature distribution is very good. The cooling effects, i.e. heat 
flux reduction and internal heat exchange, are dominating the thermal behaviour.  
In Figure 69 the cooling efficiency is being plotted over the blowing ratio for Tt,g = 450 K, 600K and 1060 
K both for the experimental and numerical values. The general trend of the cooling efficiency, i.e. the 
relative surface temperature reduction with respect to the no blowing case can be reproduced very well by 
the numerical model. 
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Figure 69: Numerical and experimental cooling efficiency vs. blowing ratio for Tt,g = 450 K, 600K and 1060 K. 


The final goal however is to use the hydrogen fuel rather than air as a coolant for the combustor walls. 
Therefore in a first step helium was used during experiments to get closer to the thermal capacities of 
hydrogen but yet avoiding interaction of combustion induced heat transfer. For the simulation, the 
extension towards hydrogen with and without combustion was performed to assess its global effect. In 
Figure 70, the density is plotted for the highest blowing ratio. Due to the helium transpiration, a shock 
wave is generated at the upstream side of the porous medium being reflected at the top wall. 
 


 
 


Figure 70: Helium coolant injection: density contours. 


In Figure 71, the experimental results shows the cooling efficiency obtained with transpiration cooling 
with air (blue) and helium (green). The simulation results are added for the lowest, intermediate and 
highest mass flows of coolant. The results obtained for Helium are in very good agreement with the 
experimental results. Predictions of cooling efficiency obtained with hydrogen are represented in red. Due 
to the reduced mass flow, using the hydrogen fuel as transpiration coolant is of interest for high-speed 
engines. Plotting the cooling efficiency in function of a relative mass flow rate with respect to the heat 
capacities as shown in Figure 71, clearly demonstrates the similarity parameter to be used for design 
purposes.  
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Figure 71: Cooling efficiency as a function of coolant mass flow and coolant mass flow*Cp/ Cp(Air) for Air, 
Helium and Hydrogen. 


 


To examine how the hydrogen film reacts with the core flow, several combustion simulations have been 
performed where hydrogen is used as a coolant. An oblique shock induced by the transpiration cooling 
starts to become more prominent resulting in a higher core temperature above the porous sample (Figure 
72). The location of the ignition can be identified by means of the OH-presence (Figure 73).  


 
Figure 72: Combustion ignition location related to reflected shock wave: case 6 (density contours). 


 
 


Figure 73: Ignition location of H2 film by means of OH-contours. 


Whereas transpiration cooling clearly has a much better efficiency, due to the direct contact between the 
coolant and the solid wall to be cooled, this is less evident for effusion cooling. Detailed effusion cooling 
computations were performed at ONERA by means of an in-house CEDRE CFD tool on an experimental 
test case from Texas University. It entails a full geometry (10 half holes arranged in a staggered manner) 
with 2 blowing ratios (blowing ratio 0.25 and 0.65) and 2 main flow turbulence intensity levels (18% and 
0.5%) After more deep investigation of the quasi periodic limits as well as the effect of refinement of the 
mesh, a new parametric study corresponding to an actual geometry tested at ITLR is made. The example 
of Figure 74 gives temperatures along the plate with an A310 (NS30) high temperature alloy extensively 
used by MBDA for hypersonic propulsion metallic structures. Agreement was good between experiments 
and computations. 
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Figure 74: Hot and cold temperature maps of the metallic multi-perforated plate in ITLR hot flow conditions 


A numeric aero-thermo-elastic analysis tool has been developed by FOI. It allows an accurate prediction 
of the coupling among the flow-field and structural components, highlighting the mutual interactions 
among heat transfer, aerodynamic loads and structural dynamic response. One of the main purposes of 
such investigation is the analysis of the structural integrity due to high temperatures and dynamic loads for 
the design of nozzles and thermal structures in high-speed flight applications. The proposed methodology 
is demonstrated on a typical panel in the nozzle part of the ATLLAS generic aircraft. This part of the 
aircraft is challenging, from an engineering point of view, as it is heavily loaded not only by local 
pressures and thermal loads but also by global forces acting on the rear part the aircraft. The panel is 
heavily heated on one side by the hot exhaust gases and at the same time cooled on the back side by the 
liquid hydrogen tanks inside the aircraft. This result in large temperature gradients through the thickness 
and creates potential problems with large thermal stresses and strains in the structure, that need to be 
accounted for in the thermal design. A coupled simulation performed for Mach 6 conditions of 
aerodynamic pressure, is shown in Figure 75. Different combinations of cooled or non-cooled lightweight 
sandwich structures with and without load carrying capability have been investigated. 
The aero-thermal heat loads for intakes are somehow more difficult to assess than nozzles as they are 
prone to transition. Due to the compressibility and cold wall temperatures, the transition process is delayed 
and experiences a larger extent than what one would expect from incompressible theory. However, there is 
hardly any information available about the combined effects of compressibility, hot walls and roughness. 
Therefore a combined experimental and numerical effort is carried out to gain a thorough understanding of 
the physical processes taking place.  
As an example, Figure 76 illustrates a breakdown process towards a turbulent spot induced by a 
roughness.  Depending on the roughness height, the induced hairpin vortices can degenerate or amplify 
resulting finally into a classical breakdown process. The presence of turbulence is confirmed by the 
familiar hairpin structures that are to be found in the centre of the spot. This process can somehow be 
confirmed by experiments though the DNS results allows one to better understand the sequential physical 
processes taking place. The final results allow providing some correlations for transition onset and extent 
for the above application as shown in Figure 78. The cold wall reduces the spread angle of the turbulent 
spot by 20 to 30%. The lower wall temperature reduces the sound speed within the boundary layer 
(increasing the local Mach number), so it is perhaps not surprising that the reduced wall temperature has a 
similar effect to an increased Mach number on spot growth rate [51],[52]. 
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Figure 75: Aerothermal loading of a nozzle sandwich panel with a Ti-sheet on the cold side and C/C-SiC on 
the hot side 


 


 


Figure 76: Typical breakdown process within a compressible laminar boundary layer downstream of 
roughness. 


 
Performance of the transition experiment at Mach 3 and 6 with turbulent spot detection is investigated 
experimentally at ALTA (Figure 77) [59]. A variable roughness height allows deriving easily the critical 
Reynolds number at which the breakdown is triggered. A comparative analysis with the DNS data is 
indicated a good mutual correspondence as shown in Figure 78. 
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Figure 77: Hot film gauged model with instrumentation detail (left) and thermocouple equipped 
flat plate in front of the HEAT Mach 6 nozzle (right)  


 


 
Figure 78 : Effect of roughness on transition: ATLLAS experimental and numerical results compared with a 


proposed transition criterion compared to other available criteria. 


5.7 Conclusions 


Overall design methods for high-speed transports at Mach 3 and 6 are revisited to increase the lift/drag 
ratio and volumetric efficiency through respectively a dedicated conceptual design methodology and a 
MDO-process. Within this MDO process, the need of lightweight and heat resistant materials is a 
prerequisite for a successful design. 


Therefore, the prime focus of the ATLLAS project is on assessment of materials, cooling techniques 
and their interaction with the aero-thermal loads for both the airframe and propulsion components. The 
former focuses on sharp leading edges, intakes and skin materials coping with different aerothermal loads, 
the latter on combustion chamber liners. After material characterisation and shape definition at specific 
aero-thermal loadings, dedicated on-ground experiments are conducted. Both Ceramic Matrix Composites 
(CMC) and heat resistant metals are tested to evaluate their thermal and oxidiser resistance. In parallel 
novel cooling techniques based on transpiration and electro-aerodynamics principles are investigated.  
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Combined aero-thermal experiments test various materials specimens with a realistic shape at extreme 
aero-thermal conditions for elevated flight Mach numbers. Dedicated combustion experiments on CMC 
combustion chambers allow the reduction of combustion liner cooling resulting into overall thermal 
efficiency increase. Particular aero-thermal-material interaction influences strongly the aerothermal 
loadings. Therefore conjugate heat transfer, transpiration cooling and compressible transition phenomena 
are investigated and modelled. Similarly, the interaction of hot walls on high-speed transition is of utmost 
importance for intake efficiency and hence engine performance. This particular phenomenon is 
investigated experimentally and numerically for both flight Mach numbers. 


 


6.0 ATLLAS II PROJECT 


ATLLAS-II is a logical continuation project built upon the experience and technology development gained 
within ATLLAS-I. The focus will again be on advanced light-weight, high-temperature material 
development strongly linked to a high-speed vehicle design. The previous study revealed in the end that 
the optimal cruise Mach numbers is around Mach 5 to 6. In line with the reviewers’ comments, a detailed 
design and feasibility study is proposed here which aim to a globally optimized vehicle with respect to 
aerodynamic, propulsive, structural and thermal layout but nevertheless allowing restrictions imposed by 
emissions regulations and sonic boom mitigation. The validated tools developed previously along with the 
lessons learnt will allow the consortium to further address and improve the multi-disciplinary design 
process.  
In parallel, a lot of effort is still foreseen to extend the precious built-up material database with durability 
characterization both for the aero-frame and combustor related structures. Also new materials and 
compositions are addressed to cope with limitations previously encountered. 
 


6.1 Design of a Mach 5-6 Vehicle 


The driver to set the requirements for the material manufacturing, processing and testing is a Mach 5-6 
vehicle. A fully integrated design taking into account several disciplines in the trade-off and optimization 
is foreseen, fully in line with the reviewers’ comments. The points to be addressed are: 
 


6.1.1 Integrated Aerodynamic and Propulsive Flowpath Layout 


The envisaged vehicle must operate over a wide Mach number range (0-5) and should still be efficient at 
cruise conditions. The wake analysis performed as part of ATLLAS-I suggests the cruise efficiency peaks 
at the cruise speed of Mach 5-6. However, the wake analysis takes no account of any material limitations 
and insulation weight at higher flight Mach numbers. The objective is to derive the optimum cruise Mach 
number by balancing thermal constraints (WP2.2) with the noted increase in cruise efficiency at higher 
speeds (WP2.1). The use of different fuel combinations will be assessed to maximize range, whilst 
recognising that the thermal management of the vehicle and/or the emission requirements will also require 
the use of cryogenic fuels such as liquid methane or a mixture of CH4 with hydrogen. The challenging part 
is to design the vehicle that can create the flow-field described by the combined analysis. Also sonic boom 
constraints will have an impact on the global layout. 
 


6.1.2 Conceptual Structural and Thermal Design 


Hypersonic vehicles are exposed to temperatures that are beyond the limits of classical airplane materials. 
In order to handle this problem the latest developments of new materials and composite structures suitable 
for high temperature application need to be taken into account. In this context, it is necessary to handle 
also the integration of heat-shield/heat-resistant materials and less heat-resistant load-carrying structural 
members including thermal management systems. One of the main objectives is to create inputs for virtual 
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testing and multi disciplinary optimisation (MDO) of realistic full-scale structures at operating conditions 
by the use of advanced numerical high fidelity methods. Besides the aero-thermal loads, also the unsteady 
loadings on the structure and control surfaces originating from shock-wave boundary layer interactions 
will be included. Their impact on control effectiveness and flutter will be first evaluated thoroughly as a 
separate topic, both experimentally as numerically, prior to the application onto the vehicle. 


Despite the usage of high-temperature resistant structural materials, the passengers and cargo will require 
a stable thermal environment throughout the full vehicle’s route. For subsonic aircraft, the cold ram air is 
used to thermally control the cabin air temperature which is drawn off the compressor. However, for high-
speed vehicles, the ram air temperature needs rather to be cooled. The presence of onboard cryogenic fuels 
(e.g. CH4) allows studying alternative designs to those used in subsonic aircraft. Open and closed cycles 
for the cabin air will be addressed.  


 


6.1.3 Environmental Restrictions onto the Design Process 


The major obstacles of introducing a supersonic aircraft have been the lack of solution to the sonic boom 
problem, emissions at high altitude and the risk of stratospheric ozone depletion. A first step has been 
performed in ATLLAS-I in terms of tool development and application. Sonic boom prediction for the 
studied vehicles in ATLLAS-I revealed similar levels as for Concorde but could eventually be alleviated by 
increasing the rise time, which transforms the boom rather into a puff. This encouraging path will be 
embedded into the design.  
Apart from cruise induced sonic boom also acceleration from subsonic speed (M < 1.0) to cruise speed (M 
= 5 to 6) leads to the creation of a zone of sonic boom amplification due to ray convergence. This 
superboom may be especially annoying as it may be close to the coasts and very loud because resulting 
from the part of the flight path around Mach 1.2 – 1.3 for which the aircraft is at a much lower altitude 
than during cruise. It is known for Concorde type aircraft to be about 3 to 4 times larger than cruise sonic 
boom, with a major change in the waveform (from an "N"- to a "U"- wave) and with increased sensitivity 
with regard to local meteorology. To our knowledge, focused boom from hypersonic configuration has 
never been evaluated. Atmospheric turbulence is known to strongly modify the shock fronts of the sonic 
boom. In the mean it decreases the amplitude and increases the rise time, by means of scattering of the 
sonic boom by the largest structures of the planetary boundary layer. However, in a few percentages of 
cases, it may lead to its amplification, up to a factor 2, by means of random focusing. It is known for 
Concorde type booms to induce a variability of at least +/- 5 dBA (A-weighted Sound Exposure Level) in 
terms of usual noise metrics. Impact of turbulence on the sonic boom from a hypersonic configuration has 
never been evaluated. 
Emission goals set by the EC could be achieved by the use of alternative fuels, such as methane or a 
CH4/H2-mix, having the potential to reduce carbon dioxide and particle emissions and thereby limiting the 
influence of supersonic aircraft on the atmosphere composition. The use of a more clean fuel will have the 
potential to eliminate the soot in the exhaust, something that has been lifted up lately as a concern in level 
with the CO2 in the context of global heating. On the other hand required high combustion temperatures 
(regardless of fuel type) still make a reduction in NOx emission a challenge. Nevertheless, some 
guidelines formulated during ATLLAS-I will reduce it considerably if taken into account in the preliminary 
vehicle design. The global effect on the ozone at these cruise altitudes will be investigated as well. 
 


6.1.4 Overall Vehicle Optimization and Final Assessment 


The integration of the different subsystems, each optimized individually with preset restrictions, into a 
single vehicle system design does not necessarily ensure a globally optimized vehicle. Due to the 
complexity of interdisciplinary interaction, numerically steered improvement and optimization tools are 
applied here to ascertain a global optimum. Within the frame of the ATLLAS-I project a new modular 
MDO tool for the preliminary design of high speed vehicles was developed. The tool allows multiple-
operational point analyses by means of aerodynamic and structural computations using CFD and FEM. 
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Also flight mechanics aspects and propulsion integration are taken into account. A key conclusion from 
the study is the dominating effect of structural dimensioning over aerodynamic improvements. Hence a 
stronger consideration of the structural modelling and analyses including aeroelastic and thermal effects 
are targeted in ATLLAS-II. 
As a powerful precursor to the multi-disciplinary optimisation (MDO) a stochastic multidisciplinary 
improvement (SMDI) is proposed. SMDI makes use of techniques based on the Monte Carlo method. Its 
goal is to move the performance of a system towards a predefined target. The usage of Monte Carlo 
methods implies that a whole cloud of solutions is generated and moved through the design space towards 
the desired target. 
As an ultimate verification, the optimized vehicle design will be tested for subsonic, transonic and 
supersonic speed to see how the design, mainly driven by cruise conditions, is able to cope with take-off 
and transonic acceleration. Variable settings of control surfaces to investigate trimming and stability will 
be part of the test campaign. The verification will be further backed-up and extended to other trajectory 
points, including cruise, with Nose-to-Tail computations which uses the windtunnel results also as a 
validation. The effect of boundary layer transition has a large effect on the vehicle drag and heat load. 
Therefore, dedicated experiments and LES simulations are also foreseen to assess the start and extent of 
the boundary layer transition taking important effects such as compressibility, wall temperature and 
roughness into account. All of this will further reduce the uncertainty margins when a final assessment 
will highlight the vehicle performance in terms of range, payload, fuel consumption, weight, emissions 
and sonic boom. These elements could serve as a first input to an economical assessment with respect to 
development and exploitation costs. 


 


6.2 Advanced Material Development for Aero-Frame and Combustor Structures 


As spelled out above, the highly loaded structure requires the implementation of advanced metallic and 
non-metallic materials which need to be light-weight and high temperature resistant. The large unknowns 
of these materials are their mechanical, thermal and optical (emissivity) characterizations at high 
temperatures as well as their durability capability. These information was completely lacking in the open 
literature at the start of ATLLAS-I. A first unique database is now available which lists these properties as 
useful engineering correlations as a function of temperature up to 1800 K. With respect to durability in 
real application environments, the samples have mostly been exposed to short duration tests. This lacking 
information will be a priority point in the material characterization. Nevertheless the database will be also 
expanded with new materials or compositions. This is needed to cope with shortcomings observed for 
certain materials in ATLLAS-I but which can be overcome by adapting their compositions or 
manufacturing process. This is mostly related to improve their oxidization behaviour or resistance to 
fatigue and fracture mechanisms.  


 


6.2.1 Durability and Integration Technologies for Aero-Frame Materials 


Both metallic and non-metallic materials are considered for the aeroframe-structure. The titanium matrix 
composites (TMC) and nickel based hollow sphere stackings (HSS) are investigated for use as (semi-)cold 
structure or as sandwich panel with good cooling and acoustic damping capabilities. The non-metallic 
class will focus on Ultra-high Temperature Ceramics (UHTC) and Ceramic Matrix Composites (CMC). 


After the encouraging results on high-temperature Hollow Sphere 
Stacking (HSS) processing route obtained at the end of ATLLAS-I 
project, the objective of this second part is to carry on with the HSS 
materials characterization and testing in order to have several 
solutions dealing with components for structural hot areas of a high-
speed aircraft, such as sharp leading edge, air intake or nozzles. In 
particular, the large challenge of extremely porous metallic materials 
such as cellular materials is their resistance to oxidation and to creep. 
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The development of high temperature Ni-based materials will be directed towards a protected-brazing 
route with sandwich materials that can be thermally characterized. This particular technique offers the 
advantage to be applied with every kind of elemental cells such as spheres, tubes or corrugated sheets. 
New high-temperature architectures obtained through brazing of tubes or relief-patterned sheets into a 
regular sandwich structure configuration will be investigated. 


Titanium alloys and Ti-aluminides exhibit excellent mechanical 
properties for applications where high specific strength, high 
ductility and toughness, good corrosion resistance as well as 
high creep and fatigue resistance are required. Their useful 
service temperature range from room temperature to about 
800K. New design concepts require however higher mechanical 
and thermal loading. Therefore new materials concepts must be 
developed beyond the classical monolithic titanium alloys 
towards titanium based composites. Such Titanium Matrix 
Composites (TMCs) combine high strength, stiffness and creep 


resistance of Silicon Carbide (SiC) monofilaments with the 
damage tolerance of Ti-alloys and Ti-aluminides while further 
reducing the materials density. The use of TMC on high-speed vehicles is related to shafts and hinges of 
control surfaces (ailerons, canards), different engine parts (compressor, turbines, shafts), structural and 
actuation struts, landing gears, brake systems. The intention is here to investigate and characterize the 
limits of TMC samples as well as the fabrication and testing process for compressor blades at high thermal 
and mechanical loading to evaluate the potential of titanium metal matrix composite (TMC) for high 
temperature material use in hypersonic applications. This will require characterization of the performance 
of TMC based on aerospace standard and alternative high temperature grade alloys. A down selection of 
the alloy type will allow for the fabrication of a full scale generic component part, scheduled for testing. 
Trial component designs and potential fabrication routes to achieve the required reinforcement 
architecture for an agreed performance specification will be developed.  


After the encouraging results on three selected Ultra High Temperatures 
Composites (UHTC) obtained during the ATLLAS-I project, the 
objective of this second part is to pursue the investigation of UHTC 
materials in order to have at our disposal several solutions for 
components working under severe thermal and structural loads e.g.: 
wing leading edge, nose, air intake etc. Their capability to be tailored to 
a sharp leading edge will improve the aerodynamic performance. The 
main objectives are firstly to select UHTC compositions able to sustain 
the requirements, secondly to acquire basic knowledge of these materials (manufacturing processes for 
example) and thirdly to thoroughly characterize the sintered ceramics. 


 


Works in ATLLAS-I clearly revealed the demand for experimental 
data concerning fatigue and creep behaviour of the investigated 
CMCs, especially at higher temperatures. For the integration of 
CMCs into the load bearing structures, the materials behaviour in 
the vicinity of stress intensifying elements like slots, notches and 
holes has to be determined, evaluated and taken into account for 
design. Test setups and procedures will be defined to test samples 
at operation relevant test conditions. Additionally, the 
investigation of test samples to check for material changes (caused by load changes) is foreseen.  
For the CMCs, enhanced coatings will be applied; experiences on EBCs (environmental barrier coatings) 
with C/C-SiC are available and should be extended to other CMCs. Such a coating could be e.g. cordierite, 
which can be applied by means of vacuum plasma spraying. Coated CMCs are able to withstand high 


TMC cross-cut (courtesy TiSiC) 


Hypersonic Technology Developments with EU Co-Funded Projects 


RTO-EN-AVT-185 15 - 61 


 


 







 


temperature oxidation satisfying the demand of a long-term application. 


As there will be a considerable temperature difference between the internal compartments and the 
aerodynamically heated outer skin of the hypersonic vehicle, different design possibilities of integrating 
the outer skin panels and the cold substructure needs to be explored. This temperature difference imposes 
a design constraint requiring an optimum fuselage structural concept very different from a conventional 
aircraft. Several different structural concepts exist for a primary cold load-carrying structure, which are 
explored at a first stage. Likewise the design and joining of the outer skin panels need to accommodate for 
the large thermal expansions in comparison 
to the substructure. Due to the finite panel 
size the influence of steps and gaps on 
airflow, and thus heating, but also on strength 
and stiffness will be analysed. An extensive 
know-how in joining a hot outer CMC 
structure to a cold, metallic substructure is 
proven for re-entry applications but not for 
hypersonic spacecraft demanding for long-
life terms. It will be studied whether this technology can be adapted to civil hypersonic travel. Different 
aspects like e.g. inspection accessibility, exchangeability or fatigue considerations need to be treated here.  


 


6.2.2 Durability and Integration Technologies for Combustor Materials 


The high thermally loaded walls of the propulsion units require particular material development. Both 
metallic and non-metallic materials are considered for the different combustor components. CMC-based 
combustors with transpiration and/or regenerative cooled walls were shown to have a great potential as 
light-weight material combined with active cooling. However life-time and durability need to be proved to 
ensure their applicability for the defined goals. Nozzles parts or other heat loaded panels can be 
accommodated for by sandwich panels which have a high-temperature resistant core based on Ni-HSS. 
They have the additional possibility to act as cooled panel with good acoustic absorption. Finally, the most 
loaded parts are the injectors sticking out in the flow. Also here different materials are checked from the 
durability and integration point of view. 


The measurement of erosion and damage of transpiration or convectively cooled walls is a critical issue 
for actively cooled propulsion systems. The long term behaviour and life-time characterization of different 
CMC (oxide or non-oxide) materials will be investigated using a small scale HVOF kerosene/oxygen 
burner. This investigation will focus on material compatibility with respect to combustion products (H2O, 
H2, CO etc.), changing of permeability, erosion 
resistance  at high temperatures (< 3000 K), 
thermo-physical and porous-fluidic properties 
at both room and high temperature levels. 
Detailed local heat transfer data for 
regenerative internal cooling configuration will 
be addressed experimentally and numerically.  


The high thermally loaded walls of the propulsion units require 
particular material development. A sandwich structure with 
HSS core combined with CMC panels was identified as a key 
technology in ATLLAS-I and appears to be an attractive 
component in the design of lightweight, high-temperature, 
actively cooled structures. In order to evaluate the thermal 
insulation performance of HSS, thermal characterisation of 
hybrid HSS-CMC structures need to be performed under 
realistic conditions. A HSS cooled or uncooled panel assembly 


1. Imp
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will be designed, manufactured and implemented at the exit of the existing SMR chamber for combustion 
test in METHYLE hypersonic test facility. These data will be used for a thorough inspection and 
feasibility assessment. To allow the assessment a dedicated coupled aero-thermal analysis will be 
performed. The numerical tools used were developed in ATLLAS-I and will be further developed for the 
present application. 


 


6.2.3 Integration and Testing of (Un)Cooled Injectors 


Injectors have to face a severe thermo-mechanical environment: aerodynamic loading due to the incoming 
air flow, very high temperature, high internal fuel pressure, etc. In addition, the final application requires 
very thin pieces to be efficient. UHTCs are very promising as uncooled fuel injectors used within 
airbreathing propulsion units. It was demonstrated in ATLLAS-I that these ceramics can quite easily be 
machined to obtain sharp leading edges or air-intakes e.g. by EDM or with diamond tools. Another 
approach is the use of porous CMC which is fuel-cooled by transpiration. Each type of injector will be 
experimentally exposed firstly in the ITLR supersonic subscale duct then to a really harsh combustion 
environment within the SMR dual-mode ramjet combustion chamber METHYLE.  


 


7.0 CONCLUSIONS 


Hypersonic technology developments within a European context have been revisited on the basis of the 
on-going projects LAPCAT and ATLLAS. Both projects are complementary addressing the required 
technology development allowing for hypersonic aircraft design and manufacturing i.e. 
aerothermodynamics, combustion, metallic and composite materials, conceptual vehicle design, numerical 
tool development and validation…  


These projects allow acquiring the needed knowledge and technologies for a complete vehicle design and 
to test and evaluate them experimentally and numerically. The aim is to verify the feasibility of the 
concept to perform a complete mission including acceleration and cruise. In parallel, the environmental 
impact in terms of NOx generation, ozone depletion, sonic boom… are considered.  


Preliminary concepts for Mach 3.5 and M4.5 demonstrated the possibility to cover a distance beyond 
10,000km based on kerosene. Switching to hydrogen allows extending this distance provided careful 
attention is given to the propulsion cycle, the aerodynamics and the propulsion-airframe integration. The 
particular Scimitar cycle mounted onto the LAPCAT A2 makes an antipodal flight possible at Mach 5 
flight speed. Going beyond this speed has shown so far that the integration aspect is of prime importance 
to achieve a decent range. A classical design of Lockheed, labelled as Hycat, could hardly get a 7,500km 
range at Mach 6 based on hydrogen even after an intensive MDO-process. Innovative designs paying 
attention to the integration aspects have a potential to get close to a 16,000km range at a Mach 8 flight 
speed.  


The different tools to cross-check or predict the efficiencies of the vehicle, e.g. for propulsion or 
aerodynamics, are gradually put in place and verified to either dedicated basic or more applied 
experiments for these disciplines. In the meantime, advanced materials, cooling techniques and structural 
architectures are studied to cope with the high heat loads and temperatures encountered on particular spots 
on the fuselage and the combustion chamber.  


Finally, these EC co-funded activities provide a unique opportunity to join researchers and industrialists 
from 22 different institutions beyond their national borders and to give access to each others unique 
facilities, methodologies, tools etc. related to hypersonic technologies. The opportunity to carry on with 
these projects within the 7th framework enhances even further this cooperation aiming at a clear definition 
of a European roadmap for a concrete high-speed vehicle development.  


Hypersonic Technology Developments with EU Co-Funded Projects 


RTO-EN-AVT-185 15 - 63 


 


 







 


Acknowledgements 


The author strongly appreciates the inputs received from all partners involved in the ATLLAS and 
LAPCAT projects allowing composing this overview work on hypersonic technology developments with 
EU co-funded projects. 
 
The work reported here was a combined effort resulting from the 


 ‘Long-Term Advanced Propulsion Concepts and Technologies’ project investigating high- speed 
airbreathing propulsion. LAPCAT, coordinated by ESA-ESTEC, is supported by the EU within the 6th 
Framework Programme Priority 1.4, Aeronautic and Space, Contract no.: AST4-CT-2005-012282. Further 
info on LAPCAT can be found on the web-site http://www.esa.int/techresources/lapcat.  


 ‘Aerodynamic and Thermal Load Interactions with Lightweight Advanced Materials for High Speed 
Flight’ project investigating high-speed transport. ATLLAS, coordinated by ESA-ESTEC, is supported by 
the EU within the 6th Framework Programme Priority 1.4, Aeronautic and Space, Contract no.: AST5-CT-
2006-030729. Further information regarding ATLLAS can be found on 
http://www.esa.int/techresources/atllas. 


‘Long-Term Advanced Propulsion Concepts and Technologies II’ project investigating high-speed 
transport. LAPCAT II, coordinated by ESA-ESTEC, is supported by the EU within the 7th Framework 
Programme Theme7 Transport, Contract no.: ACP7-GA-2008-211485. Further info on LAPCAT II can be 
found on http://www.esa.int/techresources/lapcat_II. 


References 


[1] Routetracker, Based on Origin Destination and Route Area Statistics, Nov. 2006, IATA. 
[2] Steelant J., `LAPCAT: propulsion technology', RTO / AVT / VKI Lecture Series on Advances on 


Propulsion Technology for High-Speed Aircraft, Von Karman Institute, St. Genesius-Rode, Belgium, 
12-15/03/2007 


[3] Steelant J., `Achievements Obtained for Sustained Hypersonic Flight within the LAPCAT project, 
15th AIAA International Space Planes and Hypersonic Systems and Technologies Conference, 28/04 
- 01/05-2008, Dayton, Ohio, USA, AIAA-2008-2578 


[4] Steelant J., 'Achievements obtained on Aero-Thermal Loaded Materials for High-Speed Atmospheric 
Vehicles within ATLLAS', 16th AIAA/DLR/DGLR International Space Planes and Hypersonic 
Systems and Technologies Conference, October 19-22, 2009, Bremen, Germany, AIAA-2009-7225 


[5] Steelant J., 'Sustained Hypersonic Flight in Europe: Technology Drivers for LAPCAT II', 16th 
AIAA/DLR/DGLR International Space Planes and Hypersonic Systems and Technologies 
Conference, October 19-22, 2009, Bremen, Germany, AIAA-2009-7206 


[6] Küchemann D., The Aerodynamic Design of Aircraft, Pergamon Press, 1978. 
[7] Anderson J., Introduction to Flight, 4th ed. McGraw-Hill, 2000. 
[8] Penner J. E. et al., Aviation and the Global Atmosphere – A special report of IPCC Working Groups 


I and III, Cambridge University Press, 1999. 
[9] Cain T., Zanchetta M. and Walton C.: Aerodynamic Design of the ATLLAS Mach 3 Transport, 


CEAS 2009 European Air and Space Conference, Manchester, UK, 2009. 
[10] Cain T. and Walton C., The Sustained Hypersonic Flight Experiment, 12th AIAA Int. Space Planes 


and Hypersonic Systems and Technologies, 15-19 December 2003, Norfolk, Virginia. 
[11] http://www.concordesst.com/concordeb.html 
[12] Bond A., Turbine Based Combined Cycles, Advances on Propulsion Technology for High-Speed 


Aircraft, RTO-AVT-VKI Lecture series, March 12-15, 2007. 
[13] Sippel M., Klevanski J. and Steelant J., Comparative Study on Options for High-Speed 


Intercontinental Passenger Transports: Air-Breathing- vs. Rocket-Propelled, IAC-05-D2.4.09, 2005. 
[14] Sippel M., Research on TBCC Propulsion for a Mach 4.5 Supersonic Cruise Airliner, 14th AIAA Int. 


Space Planes and Hypersonic Systems and Technologies, AIAA 2006-7976, 06-09 November 2006, 
Canberra, Australia. 


Hypersonic Technology Developments with EU Co-Funded Projects 


15 - 64 RTO-EN-AVT-185 


 


 







 


[15] Sippel, M.; Klevanski, J.: Definition of the LAPCAT Reference Vehicles LAPCAT-M4 and 
LAPCAT-M8, Issue:1, Rev. 0, LAPCAT Del. No. D.2.2.1, SART TN-005-2005, DLR-IB 647-
2005/11, February 2006 


[16] Murray N. and Steelant J., 'Methodologies involved in the Design of LAPCAT-MR1: a Hypersonic 
Cruise Passenger Vehicle', 16th AIAA/DLR/DGLR International Space Planes and Hypersonic 
Systems and Technologies Conference, October 19-22, 2009, Bremen, Germany, AIAA-2009-7399. 


[17] Stotz I., Lamanna G., Weigand B. and Steelant J., ‘Double-Diaphragm Shock Tube (DDST) for 
Hydrocarbon Disintegration Studies’, 14th AIAA/AHI Space Planes and Hypersonic Systems and 
Technologies Conference, AIAA-2006-8109, 06-09/11 2006, Canberra, Australia. 


[18] Karl S., Hannemann K., Steelant J. and Mack A., ‘CFD Analysis of the HyShot Supersonic 
Combustion Flight Experiment Configuration’, 14th AIAA/AHI Space Planes and Hypersonic 
Systems and Technologies Conference, AIAA-2006-8041, 06-09/11 2006, Canberra, Australia. 


[19] Ingenito A., Bruno C., Giacomazzi E. and Steelant J., ’Supersonic Combustion: Modelling and 
Simulation’, 14th AIAA/AHI Space Planes and Hypersonic Systems and Technologies Conference, 
AIAA-2006-8035, 06-09/11 2006, Canberra, Australia. 


[20] Drummond J. P., Diskin G. S. and Cutler A. D., “Fuel-Air Mixing and Combustion in Scramjets”, 
Technologies for Propelled Hypersonic Flight, NATO Research and Technology Organization, 
Working Group AVT 10, Final Report, January 2001. 


[21] Jivraj F., Varvill R., Bond, A., and Paniagua, G., The scimitar precooled Mach 5 engine, EUCASS 
2007, Brussels, Belgium, July 2007. 


[22] Sippel, M., Research on TBCC Propulsion for a Mach 4.5 Supersonic Cruise Airliner, 14th AIAA Int. 
Space Planes and Hypersonic Systems and Technologies, AIAA 2006-7976, 06-09 November 2006, 
Canberra, Australia. 


[23] Haidn, O., Ciezki, H., Hannemann, K. and Karl., S., Selected Supersonic Combustion Activities at 
DLR within the European LAPCAT Project, 2nd European Conference for Aerospace Sciences 
(EUCASS), July 2007, Brussels, Belgium. 


[24] Martinez-Schram J. , Karl S., Hannemann K. and Steelant J., Ground Testing of the HyShot II 
Scramjet in HEG, 15th AIAA International Space Planes and Hypersonic Systems and Technologies 
Conference, AIAA-2008-2538, Dayton, Ohio, USA, AIAA, 2008. 


[25] Stotz I., Lamanna G., Weigand B. and Steelant J., ‘Shock Tube Study on Hydrocarbon Free Jets 
at Elevated Pressures and Temperatures’, 15th AIAA International Space Planes and Hypersonic 
Systems and Technologies Conference, AIAA-2008-2538, Dayton, Ohio, USA, AIAA, 2008. 


[26] Pauly C., Sender J. and Oschwald M., Ignition of a Gaseous Methane/Oxygen Coaxial Jet, 2nd 
European Conference for Aerospace Sciences (EUCASS), July 2007, Brussels, Belgium. 


[27] Cutrone L., Battista F., Ranuzzi G. and Bonifacio S., ‘Simulation of Supercritical High Pressure 
Combustion for Advanced Propulsion System’, 15th AIAA International Space Planes and 
Hypersonic Systems and Technologies Conference, AIAA-2008-2537, Dayton, Ohio, USA, 2008. 


[28] Battista F., Ranuzzi G., Bonifacio S., ‘Supersonic Combustion Models Development for Advanced 
propulsion Concepts’, 15th AIAA International Space Planes and Hypersonic Systems and 
Technologies Conference, AIAA-2008-2553, Dayton, Ohio, USA, AIAA, 2008. 


[29] P. Gerlinger, F. Schneider, M. Aigner, Multi-Variate Assumed PDF Modeling of Turbulent Sub- 
and Supersonic Combustion 


[30] Ingenito A. and Bruno C., ‘effect of the Turbulent Schmidt Number on Supersonic Regime’, 46th 
AIAA Aerospace Sciences meeting and Exhibit, 07-11/01 2008, Reno (NV), USA. 


[31] L. Krishnan, N. Sandham and J. Steelant , LES of Shock-wave/Boundary Layer Interactions in 
Hypersonic Inlet Compression Ramps, ISABE 2007, Beijing, China, 2-7/09 2007. 


[32] Krishnan L., Sandham N.D. and Steelant J., `Shock-Wave/Boundary-Layer Interactions in a Model 
Scramjet Intake', AIAA J., Vol. 47, No. 7, July 2009, pp 1680-1691. 


[33] Karl S., Hannemann K., Mack A. and Steelant J., ‘CFD Analysis of the HyShot II Scramjet 
Experiments in the HEG Shock Tunnel’, 15th AIAA International Space Planes and Hypersonic 
Systems and Technologies Conference, AIAA-2008-2538, Dayton, Ohio, USA, AIAA, 2008. 


[34] C. R. McClinton, `High Speed/Hypersonic Aircraft propulsion Technology Development', 


Hypersonic Technology Developments with EU Co-Funded Projects 


RTO-EN-AVT-185 15 - 65 


 


 







 


RTO/AVT/VKI Lecture Series on Advances on Propulsion Technology for High-Speed Aircraft, 
Von Karman Institute, St. Genesius-Rode, Belgium, 12-15/03/2007. 


[35] J. Clough, ‘Modelling and Optimization of Turbine-Based-Combined-Cycle Engine Performance’, 
MSc-thesis, University of Maryland, 2004. 


[36] A. Loubeau, F. Coulouvrat, "Effects of meteorological variability on sonic boom propagation from 
hypersonic aircraft", AIAA J., in press 


[37] C. Davoine, A. Götzfried, S. Mercier, F. Popoff, A. Rafray, M. Thomas and V. Marcadon: „Metallic 
hollow sphere structures manufacturing process“, Material Research Society Spring meeting, San 
Fransisco, USA, 13-17 April 2009 


[38] Marcadon V., Roques E. and Feyel F., ‘Modelling of Mechanical Behaviours of Metal Hollow 
Sphere Regular Packing under Compression Loadings’, 11th Euromech-Mecamat, Turing Italy, 
March 2008. 


[39] J.-F. Justin: „Investigations of High Temperature Ceramics for Sharp Leading Edges or Air Intakes 
of Hypersonic Vehicles“, EUCASS 2009-511, European conference of Aerospace Sciences, 
Versailles, France, 6-9 July 2009. 


[40] S. Soller, C. Kirchberger, M. Kuhn, T. Langener, M. Bouchez and J. Steelant, Experimental 
Investigation of Cooling Techniques and Materials for Highspeed Flight Propulsion Systems, 
AIAA-2009-7374, 16th AIAA/DLR/DGLR International Space Planes and Hypersonic Systems and 
Technologies Conference, Bremen, Germany, October 19th – 22nd, 2009 


[41] M. Kuhn, T. Hallberg, ‘Emissivity measurements of CMC materials’, Material Science and 
Engineering, Elsevier, planned 2010 


[42] M. Kuhn, H. Hald, M. Ortelt, C. Kirchberger, G. Schlieben, H.-P. Kau: CMC Materials for 
Combustion Chamber Applications, EUCASS2009-224, 3rd European Conference for Aero-Space 
Sciences, Versailles, France, 05-09 July 2009. 


[43] M. Kuhn, S. Hackemann, E. Klatt, ‘Material characterisation of CMC materials’, Material Science 
and Engineering, Elsevier, planned 2010 


[44] Kirchberger C., Wagner R., Kau H.-P., Soller S., Martin P., Bouchez M. and Bonzom C., 
`Prediction and Analysis of Heat Transfer in Small Rocket Chambers’, 46th AIAA Aerospace 
Sciences meeting and Exhibit, AIAA-2008-1260, Reno (NV), USA, 07-11/01 2008. 


[45] C. Kirchberger, G. Schlieben, A. Hupfer, H.-P. Kau, P. Martin, S. Soller: Investigation on Film 
Cooling in a Kerosene/ GOX Combustion Chamber, AIAA-2009-5406, 45th AIAA/ASME/ 
SAE/ASEE Joint Propulsion Conference & Exhibit, Denver, CO, USA, August 2nd-5th 2009 


[46] Bouchez M. and Beyer S., ‘PTAH-SOCAR Fuel-Cooled Composite Material Structure’, 15th AIAA 
International Space Planes and Hypersonic Systems and Technologies Conference, AIAA-2008-
2626, Dayton, Ohio, USA, AIAA, 28/04-01/05/2008. 


[47] T. Langener, J. von Wolfersdorf, F. Cheuret and J. Steelant: Experimental And Numerical Study on 
Transpiration Cooling With Supersonic Flow, 19th Int. Symp. on Air Breathing Engines, ISABE, 
Montreal, Canada, 2009 


[48] M. Bouchez, E. Dufour, L Benezech, F. Cheuret, J. Steelant, P. Grenard, J.A. Redford, N.D. 
Sandham, G.T. Roberts, A. Passro. D. Baccarella, M. Dalenbring, J. Smith, L. Cavagna: Multi-level 
Coupled Simulations of Cooled Structures in the ATLLAS European Programme, AIAA-2009-7374, 
16th AIAA/DLR/DGLR International Space Planes and Hypersonic Systems and Technologies 
Conference, Bremen, Germany, 19-22 October, 2009 


[49] F. Cheuret, J. Steelant,  T. Langener, J. von Wolfersdorf: Simulations on Transpiration Cooling for 
Supersonic Flow, CEAS 2009 European Air and Space Conference, Manchester, UK, 2009. 


[50] Krishnan L, Sandham ND, ‘Effect of Mach Number on the Structure of Turbulent Spots’, Journal of 
Fluid Mechanics, Vol. 566, pp 225-234, 2006. 


[51] J.A. Redford, N.D., Sandham, G.T. Roberts, ‘Roughness-induced transition of compressible laminar 
boundary layers’, Seventh IUTAM Symposium on Laminar-Turbulent Transition, KTH, Stockholm, 
Sweden, June 23-26, 2009. 


[52] J.A. Redford, N.D., Sandham, G.T. Roberts, ‘Roughness-Induced Transition of Compressible 
Laminar Boundary Layers’, AIAA Journal, accepted, 2010. 


Hypersonic Technology Developments with EU Co-Funded Projects 


15 - 66 RTO-EN-AVT-185 


 


 







 


[53] F. Cheuret, J. Steelant, M. Bouchez and E. Dufour, ‘Performance of Existing Models for 
Transpiration Cooling’, Space Propulsion 2008, Heraklion, Crete, May 2008. 


[54] T. Langener, J. von Wolfersdorf, T. Laux and J. Steelant, ‘Experimental Investigation of 
Transpiration Cooling with Subsonic and Supersonic Flows at Moderate Temperature Levels’, 44th 
AIAA/ASME/SAE/ASEE Joint Propulsion Conference & Exhibit, AIAA 2008-5174, Hartford, CT, 
USA, July 2008. 


[55] T. Langener, J. von Wolfersdorf, F. Cheuret and J. Steelant: ‘Experimental And Numerical Study on 
Transpiration Cooling With Supersonic Flow’, 19th Int. Symp. on Air Breathing Engines, ISABE, 
Montreal, Canada, 2009. 


[56] M. Bouchez, E. Dufour, L Benezech, F. Cheuret, J. Steelant, P. Grenard, J.A. Redford, N.D. 
Sandham, G.T. Roberts, A. Passaro. D. Baccarella, M. Dalenbring, J. Smith and L. Cavagna: ‘Multi-
level Coupled Simulations of Cooled Structures in the ATLLAS European Programme’, AIAA-
2009-7374, 16th AIAA/DLR/DGLR International Space Planes and Hypersonic Systems and 
Technologies Conference, Bremen, Germany, 19-22 October, 2009 


[57] F. Cheuret, J. Steelant, T. Langener and J. von Wolfersdorf, ‘Simulations on Transpiration Cooling 
for Supersonic Flow’, CEAS 2009 European Air and Space Conference, Manchester, UK, 2009. 


[58] F. Cheuret and J. Steelant, ‘Transpiration Cooling Modelling for Supersonic Flow’, Space 
Propulsion 2010, San Sebastian, Spain, May 3-6, 2010. 


[59] A. Passaro, D. Baccarella, P. Caredda, J. Redford and N. Sandham, ‘Experimental characterization 
of turbulence spots on a flat plate at Mach 6’, 6th European Symposium on Aerothermodynamics 
for Space Vehicles, Versailles, France, Nov. 2008. 


Hypersonic Technology Developments with EU Co-Funded Projects 


RTO-EN-AVT-185 15 - 67 


 


 







Hypersonic Technology Developments with EU Co-Funded Projects 


15 - 68 RTO-EN-AVT-185 


 


 


 








P.W.Sacher
Aerospace Consulting


82024 Taufkirchen
e-Mail: petersacher@kabelmail.de


ABSTRACT 


In Germany the Ministry of Research and Technology (BMFT) initiated in 1986 study
work at industry focused on "Determining of the principal features and results as Starting
Points for German Industry in the Development of Future Hypersonic Transport-Aircraft
with a view to Possible Hypersonic Aircraft Projects. Then, after the start of the newly
initiated German Hypersonics Technology Programme in 1987 the Two-Stage-To-Orbit
(TSTO) transportation system became the reference concept of the German
Hypersonics Technology Program. The new concept adopted the simplified
denomination “SÄNGER II”.


An overview on the concept study work having been done within an international design
team will be discussed with specific emphasis on the selection of the combined cycle
engine concept, the propulsion operational modes and the results of the engine/airframe
integration. Major experimental (EFD) and computational (CFD) results from the detailed
intake, combustion chamber and nozzle design will be shown. For the experimental
proof of the performance of the operational combined cycle (turbo-ram/scram) engine
system under real environmental conditions several flying testbeds had been pursued
together with Russian partner companies. The major achievements and "lessons
learned" will be discussed.
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1.0 THE GERMAN HYPERSONICS TECHNOLOGY PROGRAM (1988-1995)


Fig. 01 SÄNGER/HTP: Schedule of the German Hypersonics Activities


In Germany efforts dedicated to these Key-Technologies were initiated during 1987-
1995. They were undertaken by international cooperation within the German
Hypersonics Technology Program. After having performed extensive System Concept
Study work the decision was made to select a TSTO concept ("SÄNGER") as Leading
Reference Concept for the development of the above listed "Key-Technologies" in
three major time frames. At the end, mainly to shortcomings of the national budget, the
program was transferred as a starting point to an ESA initiated international European
program named FESTIP (Future European Space Transportation Investigations
Program).
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Fig. 02 Sänger/HTP: Time Schedules for Phase I (Status Phase I)


This Figure shows the time schedules for the activities already completed or planned in
Phase I of the program. The most important milestones and reviews in the beginning of
the Hypersonics Technology Program were:


- Jan. 89: preliminary design review of SÄNGER space transportation system
- Feb. 89 public presentation of the HTP by the Ministry
- May 89 preliminary design review of the SÄNGER propulsion system
- Jan. 90 selection of the propulsion concept for an experimental aircraft (HYTEX)
- Feb. 90 Interim report on Phase I


The program in Phase I was structured in three main activities:
- Studies (SÄNGER system, SÄNGER propulsion system and experimental aircraft)
- Technology development (propulsion, aerothermodynamics and materials & structures)
- Test facilities (since about one decade no progress in experimental test facilities!)
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Fig. 03 HTP: Organization and Partners (Phase I)


This Figure gives an overview of all participating companies, divisions and institutions
involved directly or in a supporting role. "Working Groups" were established in the
individual most important technology areas, which represent an important instrument for
cooperation and for exchanging experience and information between the companies,
universities and research institutes.
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Fig. 04 German National Hypersonics Technology Programme
Technology Tasks in Phase Ia und Ib (1988-92)


The Hypersonics Technology Program was initiated 1988 and sponsored by the German
Federal Ministry for Research and Technology (BMFT). The Figure gives an impression
which technical tasks were investigated in the four most critical technical disciplines:


- Airbreathing Propulsion
- Materials & Structures
- Aerothermodynamics
- Guidance Navigation Control and Subsystems


Apart from national interest stimulated by the HTP in the various areas of industry ,
science and the universities, initial contacts have also been established with many
foreign countries who would like to join in the development and testing of the advanced
necessary technologies towards a new space transportation system.
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Fig. 05 The German Hypersonics Technology Programme
Phase Ib (1. 7.1990 - 31.12.1992)


In the beginning of the HTP only German partners started in Phase Ib with a
comprehensive assessment of the state of the art in the technology tasks shown. The
figure shows the responsibility of participation institutions to the main technology tasks
under investigation and development.
Lead industrial companies (MBB, MTU and Dornier), participating Universities (Aachen,
Braunschweig, Munich, Stuttgart), the German Aerospace Research Establishment
(DLR) and the German Research Foundation (DFG) were supporting the program in
intensive cooperation.
All activities shown in the technology work break-down structure were directly derived
from the needs of the SÄNGER reference conception and its experimental technology
demonstration and verification vehicle (HYTEX).
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2.0 THE TWO-STAGE-TO-ORBIT (TSTO) SPACE TRANSPORTATION
SYSTEM SÄNGER


Fig. 06 Sänger: Two-Stage-to-Orbit System (TSTO)


SÄNGER was a design of a fully reusable TSTO winged space transportation system
providing full European autonomy in space transport. The two-stage concept allows a
maximum operational flexibility:


- It could be the only system which allows launches from European airports into all
orbital inclinations (because of its cruise capability)


- The total launch mass should be less than 500 tons (B-747 class vehicle)
- For launch and landing conventional airport facilities were foreseen without any


special launch assist installations (e.g. sled, trolleys ..)
- The first stage could have a large design commonality with a global hypersonic


transport plane (but it turned out that at least at that time there was no interest on a
civil or military transport A/C)


- During the SÄNGER development studies the upper stage for cargo was no longer
envisioned


SÄNGER System Study (1988-91)
Hypersonic experimental vehicle study (1989-95)
Propulsion system study (1988-1990)
BMFT-sponsored Hypersonic Technology Program (1988-1995)



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Fig. 07 SÄNGER: Compilation of Main Characteristic Data (Config. 4/92


This Figure shows the SÄNGER mission flight profile, the SÄNGER system's main
geometrical dimensions and the SÄNGER TSTO system planform configuration.


Widely differing design requirements for the propulsion components with far-reaching
consequences for the performance of the overall propulsion system resulted from the
design of the mission flight path:


- The air intake will be designed for the highest Mach number of the ramjet operation
(about Mach 6.8)


- The transonic speed (approx. Mach 1.2) result in the main design criteria for the turbo
engine


- The design of the afterburner and ram combustion chamber unit is determined by the
Mach number at which transition from turbo to ram operation occurs (approx. Mach
3.5)


- The extreme operation range requires a high degree of nozzle adjustability
determined by the thermodynamic design of the turbo engine and the maximum Mach
number. In addition, the basic drag level particularly in the transonic range – proved to
be critical due to the unlined nozzle outlet area.


- Special attention was needed for the switching mechanism due to the transition from
the different propulsion modes.
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Fig. 08 SÄNGER: Rationale for Optimum Stage Separation Machnumber


The optimum stage separation velocity is difficult to find without having a given concept,
especially for airbreathing propulsion systems. Of course the concept refinement is
highly influenced by the staging parameters.
For the SÄNGER vehicle the rational for a stage separation velocity in the order
between Mach 6 to 7 was based on the following logic:


- The technological limit for a realistic (=affordable) structural concept was assumed at
around Mach 7 (e.g. active cooling, TPS for 1. Stage!)


- Scram propulsion seemed to be out of the technological reach (performance data
were at least questionable assumptions)


- Between Mach 6.5 and 7 ram propulsion seemed to be superior against scram
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Fig. 09 SÄNGER: Turbo-Ram Propulsion System


The possible engine configuration is shown in the Figure. Based on a combustion
chamber diameter of 50 cm the total length of the complete engine is about 8 m. With
the exception of the intake (which was firstly designed for a 30 cm combustion chamber)
all components have been designed built and tested in ground facilities.


The complete engine (including the large intake) was planned to tested in the free jet
test facility APTU at AEDC in Tullahoma, Te., operating up to about Mach 5 in 1996.


Courtesy to MTU
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Fig. 10 Critical Engine-Design Parameters during Ascent Trajectory


The engine for a high speed transport vehicle has to be designed to meet the most
critical design limitations given by the flight trajectory especially for the ascent part and
the mission constraints and integration limitations as the figure shows. The size of the
Turbo-engine is first of all defined by the take-off thrust requirement. The flight at higher
Mach number (after transition from the turbo-to-ram operation mode) along the trajectory
is performed at constant dynamic pressure according to the limitations of the airframe
structure. This defines the size of the ramjet burner and the nozzle throat. Remarkable
to note: The size of the intake capture area is designed for the maximum Mach number
at high altitude and the pressure inside the engine. Although the intake has variable
intake ramps this leads in many cases to spill-drag due to by-passing parts of the airflow
at low speeds ("Intake Design Miss-match").


Courtesy to Zeller/Sterr/Herrmann, ASME 92-GT-204, June 1-4,1992,
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Fig. 11 SÄNGER: Propulsion Operation Modes


At the end of the propulsion systems study in Februar 1990 the integrated turbo/ramjet
propulsion system with a co-axial flow-path was selected as baseline for all propulsion
systems related conceptual design and propulsion technology development activities.


These technology work had already been started early in 1988 because independent
from the final decision on the engine cycle type the most critical engine components
(intake, ram combustion chamber and nozzle) the technology development work was
essentially the same. But in 1990 a decission on the operational modes for the whole
flight Mach number range had to be achieved.


- Turbo operation was foreseen up to Mach 3.5 with the afterburner ignited for Mach
numbers greater than 0.9.


- Then the switching mechanism will close the flow-stream through the turbo engine
and the flow goes around the closed turbopart in the afterburner now working as a
ramjet unteilo the maximum flight Mach number of 6.8 was reached


- A separate duct was leading the forebody boundary layer in paralell to the engine
flow-path to the nozzle and could be used to enhance the nozzle/afterbody
expansion by blowing


Courtesy to MTU
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Fig. 12 SÄNGER : Temperature Stresses in the Propulsion System


The figure shows the extreme temperature stress in the complete propulsion system.
Results of work on the engine thermal balance clearly showed that the engine feasibility
was mainly determined by the ability to cool surface areas subjected to extremely high
temperatures. Temperatures of over 1800°C at the engine intake clearly indicate the
cooling effort required for the structural components. Cooling structures for both air-
cooled and hydrogen-cooled surfaces were identified during innovating design and
development work wrt the thermal balance of the propulsion system.


The development of high temperature resistant, light weight materials plays a very
important role for all propulsion components. Consequently:


- Materials and structures for the high temperature loaded components
- Auxiliary systems (e.g. air cooler, hydrogen pumps
- High temperature sensors and measurement techniques


were investigated in different studies.


Courtesy to MTU
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Fig. 13 Engine/Airframe Integration wrt Intake Design


Shows the Intake design to be built and flown on the hypersonic test-vehicle HYTEX RA-
3. On this vehicle a possible engine configuration would have a combustion chamber of
50 cm and a total length of the complete engines of about 8m. Two windtunnel models
with 2-D geometry with 1:10 scale had been designed and two of them were tested up to
hypersonic speed in the German windtunnel TMK at the DLR in Cologne.


The first generic model with a cross flow section of 10cm x 10 cm, fixed ramps and
movable side walls was tested at "cold" free-stream numbers of M = 2.9 and 5.
Based on this experience a second generic model was built with the same scale, but
with boundary layer (from a flat plate simulating a forebody) without diverter duct and
four movable ramps but again only in "cold" free-stream numbers of M = 4.5, 5.0 and
5.2.
The next logical third step was then in 1994 the design of a full scale intake to complete
the SÄNGER propulsion system. The combustion chamber with nozzle was already
tested in the MBB connected pipe test facility in Ottobrunn with a 30 cm diameter scale.
It was planned to integrate all three engine components in the large 50cm diameter
scale in 1995 and to test the complete engine in a large windtunnel test facility up to
Mach 7. The choice was made to use for this test the APTU test facility of AEDC,
Tullahoma in the United States.


Objectives:


- Assessment of the impact of true
temperature corresponding to flight
Machnumbers up to 7
(requires "free-jet" testing)


- Data acquisition during test,
verification and validation of design
tools


- Impact of materials and structures
on intake design and manufacturing
for high temperature testing intakes with
variable geometry parts
(e.g. ramps with cooling, sealing, pressurizing, ...)
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Fig. 14 Trade-Off for the design of a variable geometry engine nozzle concept


Test facilities had been used in 1992 for investigating combustion chambers combined
with hydrogen cooled nozzles. Hypersonic nozzles have to be optimized to provide
maximum thrust over a wide operational range. Two types of nozzles with variable
adaptive geometry had been studies within an extensive design trade-off:


- 2D nozzles types with a rectangular cross section and
- Axisymmetric plug nozzles


To select a final nozzle concept detailed measurements were required, in particular of
wrt the chemical composition of exhaust gases in the nozzle in order to obtain precise
data on the nozzle thrust generation. Therefore at MTU, MBB and DLR complementary
test facilities were modernized or newly built to perform more realistic ground tests.


Courtesy to MTU
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Fig. 15 "Key Technologies": Impact of Thrust Vector Angle and Longitudinal
Pitching Moment due to a SERN Nozzle/Afterbody Integration


In addition to the engine airframe integration effects on drag is its effect on the
longitudinal moment of the flight vehicle. Therefore these propulsion system's induced
effects have to be optimized together with the aerodynamic flight mechanics and flight
performance together with the design of the airframe. It has already been discussed that
the forces acting at the intake as well as the nozzle and after-body expansion rate are
not in line with the flight direction. Due to the strongly asymmetric design of the intake
and nozzle and due to the great distances between the components of the propulsion
system and the center of gravity of the vehicle, the resulting moments are in the same
order of magnitude as the aerodynamic moments of the aircraft itself. The Fig. shows
the impact of the Turbo- and ramjet-effect during operation. During low subsonic,
transonic und low supersonic flight the compensation of the nose-up generated pitching
moment by aerodynamic controls would result in additional trim-drag. Therefore the
design of the shape of the airframe ("Camber") can balance the nose-up moment to
some extent. The same process works for supersonic speed in the opposite direction.
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Fig. 16 "Key Technologies": Engine/Airframe Integration wrt Thrust-Drag and Cm0


This viewgraph shows schematically the major aerodynamic forces acting on an aircraft
with an integrated airbreathing engine. There are very high forces at all engine
components and the resulting net-thrust to accelerate the vehicle against the
aerodynamic drag is a small difference of nearly equally high numbers. This becomes
specifically true at transonic speeds (e.g. "show-killer" for the NASP). There is a high
sensitivity with regard to nozzle-aft-body-integration, losses due to the intake-installation
and the real gas effects at hypersonic speeds beyond Mach 5. The impact of forces
related to the engine on the pitching moment of the total vehicle is important (e.g. trim-
losses). The conclusion is that the propulsion system and the airframe have to be
optimized together.
The figure on the right side shows the results from the SÄNGER first stage analysis of
ideal nozzle gross thrust, installation drag brake-down, the installed net thrust and the
overall vehicle drag. Please note: Installation losses due to propulsion integration are of
the same order as vehicle drag.
In the previous figure the impact of the resulting thrust vector direction (Intake and
Nozzle) on the overall pitching moment. On the left side now is shown the total
moment's balance for SÄNGER. These propulsion system's induced effects had to be
optimized together with the aerodynamic flight mechanics and flight performance
together with the design of the airframe. Due to the strongly asymmetric design of the
intake and nozzle and due to the great distances between the components of the
propulsion system and the center of gravity of the vehicle, the resulting moments are in
the same order of magnitude as the aerodynamic moments of the aircraft itself.
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Courtesy to Heitmeir/Lederer/Herrmann, AIAA-92-5057, December 1-4,1992,
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3.0 THE TECHNOLOGY DEVELOPMENT AND VERIFICATION CONCEPT
(TDVP)


Fig. 17 HTP: The Hypersonics Technology Development and Verification
Concept (HTDV)


After having identified a large number of most critical "Key-Technologies" during the
early study work in the Hypersonics Technology Program a strategy was needed for the
development of these so-called "enabling" technologies which were mandatorily required
to design develop and finally build a future viable new space transportation system
which could compete with the available expendable rocket based. That means to lower
the cost for payload to orbit.


This strategy named HTDV follows has four basic phases:


1. Definition of mission requirements for the new STS
2. Conceptual design of a potential system reference concept
3. Identification of the enabling concept dependant "Key-Technologies"
4. Verification of the new technologies using experimental (EFD), computational (CFD)


and finally flight testing to reach the technology readiness level 6 (NASA definition)


Courtesy to Hirschel, AIAA-93-5072, Nov.30-Dec. 3,1993,
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Fig. 18 Aerothermodynamic Design & Development Tools


Most of the design efforts up to the late 70th were still relying to a large degree on
windtunnel testing.


But the large number experimental efforts has led to the assessment of large databases
which had been used consequently by engineers in research institutes and aircraft
industry to establish empirical procedures, so-called datasheets, which allowed to
predict aerodynamic coefficients in a complementary way to much more costly
experiments.


By that time more powerful computers came up and fully theoretical methods
(Computational Fluid Dynamics, CFD) became more and more powerful. Starting with
the solutions of potential flow in the late 60th ("e.g. "Panel Methods"), these methods
were extended to solutions of the Euler and Navier Stokes Equations soon. The
remaining major problem was code validation and, more specifically, the numerical
simulation of viscous flow. But the capabilities of the available ground testing facilities
were, concerning the simulation of high speed, only limited.


The only way to get reliable aerodynamic data is flight testing, being in Europe in most
cases too expensive and time consuming but very successfully performed in US.
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Fig. 19 SÄNGER: Strategy for the Propulsion System Development


A general strategy for the development of this impressive SÄNGER propulsion system
concept was established from the beginning of the technology work 1988 in a Phase 1a.


It led to the development of the engine components in Phase 1b and finally ended with
successfully performed tests of a partially integrated propulsion system (Ram
combustion chamber and 3D Nozzle) in the ground test facility up to Mach=7 at MBB in
Ottobrunn.


Several flying test-beds were proposed to validate the propulsion system or at least
some of its component by flight testing.


At the end of 1994 the propulsion system development suffered a setback. A
government decision was taken that the program had to be finished strictly by the end of
1995. Due to the cancellation of the Hypersonic Technology Program, this nearly
complete engine remained a dream of its design engineers – and the existing hardware
went to the German museum.


Courtesy to Heitmeir, IAF-94-V.5.554, October 9-14,1994,
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Fig. 20 Hypersonic Flight Test Vehicle: HYTEX R - A3


The study of alternative flight test vehicles started in Phase 1a and continued in Phase
1b. It was devoted to investigate not also technically feasible but also affordable
alternative concepts of flight test vehicles and in that context to look for possibilities of
international cooperation. This should lead to the result that existing flight hardware,
available in other countries, could be used.


As a result of this international cooperation HYTEX R-A3 was defined as a reference
vehicle concept with rather maximum test objectives representative for a SÄNGER-like
complete propulsion system (due to volumetric constraints with the exception of
hydrogen as fuel):


- HTO, transition turbo/ram, Mamax > 5 and horizontal landing)
- Stability and control could be demonstzrated
- The thrust vector at different Mach-number and different equivalence ratios for the


ram jet propulsion system (combustion chamber with 600 mm diameter) integrated
with the airframe of the HYTEX R-A3 seemed feasible.
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Fig. 21 Study of Alternative Concepts and Configurations of Hypersonic Flight
Test Vehicles - Cooperation with Partners in Phase Ic (Status: April 1994)


International partners involved were from Sweden and Norway for theoretical parts and
from Russia as far as testing possibilities are concerned. Also Cooperation with France
was regarded in parallel in an additional study which was offered to CNES in France and
BMFT in Germany.
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Fig. 22 RADUGA D2 with Integrated Turbo-Ram Engine for Flight Testing
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Four Variants for “Step-wise” Approach planned:


Variant 1:
RADUGA D2 HFT as an
aerothermodynamic flight
experiment in 1996
(basic version)


Variant 1:
Basic Version of variant 1
plus implementation of a
recovery system


Variant 1:
RADUGA D2 HFT with
adaptation of a Scramjet
(Dasa/MTU/TsAGI)


Variant 1:
RADUGA D2 HFT with
adaptation of a Ramjet
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Fig. 23 Alternative Designs for Hypersonic Flight Test Vehicles
Study Stage III (January 1995- December 1995)


Mainly due to cost at the end of all study work on alternative flight test vehicles for
hypersonic speed the RADUGA D2 remains as the only affordable concept. The most
important characteristics of this vehicle will be summarized. The missile can be launched
under the Russian Tupolev Tu-22M3 at low supersonic speed (Mach = 1.7). It can reach
a maximal Mach number about 6.3. It is a design from the late 60th and has flown many
times for military purposes.


The main modification for the cooperative effort were related to fly small scale propulsion
modules investigated in the Russian test facilities at TsAGI and CIAM and now mounted
under the fuselage of the missile. A small hydrogen tank was integrated in the nose
area.


The picture show the RADUGA missile which was exported from Russia to OHB in
Bremen.
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Fig. 24 Study of Alternative Concepts and Configurations of Hypersonic Flight
Test Vehicles Phase Ic


For the RADUGA D2 flying testbed an agreed work-share of international institutions of
industry, research institutes and universities is shown in the next figure. The activities
cover all technical disciplines needed for launch, flight demonstration after separation
from the carrier aircraft at supersonic speed, data acquisition and transmission to the
ground and recovery of the vehicle on ground. It should be mentioned that the German
OHB had already received a real hardware of the RADUGA missile D2 from the Russian
partners which can be seen in Bremen exposed to visitors. Unfortunately the program
was cancelled end 1995. Ten years later a similar experiment has been flown in the US
using a Pegasus first stage carrying the X-43A being launched from a B2 which required
a Budget one ordered of magnitude higher than the European/Russian approach.
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4.0 MAJOR RESULTS AND LESSONS LEARNED


Major achievements at the end of Phase Ia und Ib (1989-92):


Propulsion:
- LH2-Ram-Combustion-Chamber up to M = 7
- Ram-Combustion Testfacility with unique gas generator up to M = 7
- Intake-Models tested at hypersonic speed
- LH2-cooled 2-D Nozzle and tests integrated with the ram-combustion chamber


Materials and Structures:
- Intake Ramp using C/SiC for high temperatures
- Hot Metallic Structures (based on Titanium) for wing- and 3-D body-panels


Aerothermodynamics:
- Development and validation of approximate prediction methods
- Numerical and experimental simulation of external and internal flows
- Numerical and experimental simulation of stage separation


Flight Control and Systems:
- Air-Data-Sensor-System for acquisition of data at hypersonic flight
- Hot Actuator Systems
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Fig.25 Program Activities in Phase Ic (1993-1995)


The third and last part of the German National Technology Program in Phase I was
Phase Ic. The conceptual and technological investigations of Phase Ia and Phase Ib
have shown that the SÄNGER concept – apart from some not yet verified assumptions –
seems to be at least technically feasible. To foster the basis for this statement and
taking into account some budgetary constraints the work in Phase Ic had to be
concentrated on a few most important technical issues. The chart shows all the
remaining 10 "projects" having started finally with some delay in mid March 1993. All but
two tasks (C1 and C11) were undertaken in cooperation with international partners. Only
the yellow marked Projects "survived" the budget cut in 1994:


C2 Investigation of the Flight Test vehicle RADUGA D2
C5 design and development of the 50 cm Intake
C8 Design and development, manufacture and test of the nozzle including the


expansion ramp for the 50 cm ram engine combustion chamber
C10 Design and development, manufacture and test of four different model combustion


chambers with exchangeable fuel injectors for connected pipe tests at CIAM
(Russia)
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Fig. 26 HTP - Planned Activities in 1993 -1995 (Phase Ic)


The German Hypersonics Technology Program Phase 1 (1988-1995) was a very
comprehensive technology effort. Unfortunately, very close to the final step of ground
testing the SÄNGER propulsion system in a large scale model in a free jet test facility in
the US, the program was terminated (as initially planned for 1995).


Transition from the Hypersonics Technology Programme (HTP) to the Future European
Space Transportation Investigations Programme (FESTIP) was then the only way to
maintain continuity for the engineering team at Ottobrunn as well as for any continuation
of successful cooperation with many international contacts which were established
during the HTP, although the airbreathing propulsion technology was no longer subject
of the technology work
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Major Achievements to reached by Phase Ic*)


Propulsion:
- Intake model ETM3, operating in a windtunnel at hypersonic speed
- Propulsion system, including intake, combustion chamber and nozzle,


investigated in a large test facility (CIS, US) up to M=7
- SCRAM combustion chamber, tested in small scale in test facility


Materials and Structures
- Hot metallic structures for wing-body and integral tank, verified on ground
- Intake ramp, based on ceramic matrix materials, tested at high temperatures
- Design tools, validated to a reliable degree, validated by ground tests


Aerothermodynamics
- Design tools, validated to a reliable degree, validated by ground tests
- Numerical and experimental simulation of external and internal flows
- Advancement of the methodology for propulsion integration


Flight Control and Systems
- Sensor systems for data-acquisition in flight up to M = 7(8)
- Simulation and component testing of critical systems


And:
- Establishment of a "Technology Development and Verification Concept" for a


Step-by-Step demonstration of "Key-Technologies"
- Proposal for a concept of a feasible flight test technology demonstrator with a


broad based modular design concept, to be build and tested in international
cooperation (ESA)


*) bold : reached end 1995
Italic: terminated due to budget cuts
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Structural Design Concepts and selected hardware components developed and tested


Major Know-How gained:


 Rationale for the selection of the SÄNGER reference propulsion system


 Trade-offs for alternative airbreathing combined propulsion cycle engines


 Development of Engine/Airframe integration techniques
(e.g. intake, internal flow duct, nozzle, B.L. diverter/internal duct,...)


 Development of propulsion hardware components
(intakes, combustion chambers, nozzles)


 Database from windtunnel testing of SÄNGER and HYTEX Models
(DLR-TWG, -TMK, -H2K, FFA-S4, -T1500, TsNIIMASH-U4M)


 Database from windtunnel testing of propulsion components
e.g. intakes, combustion chambers, Nozzle concepts (DLR, Dasa, TsAGI )



(e.g. tanks, flaps, insulations, TPS, ...)


BMFT-Initiative terminated end 1995


- 440 MDM spent including funding from German Industry,
Research Institutes and Universities


- Sänger Turbo-Ram propulsion system not completed (intake)
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Budget Planned Budget Spent
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- DLR
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2/93 7/94


Phase 1, total (1988-95) 590 530 450
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Fig.27 HTP / Budget (Currency in Mio DM)
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Concluding Remarks:


After 7 years of intensive international cooperation the German national Hypersonics
Technology Program was abandoned. Mainly three major periods of activities
characterize the initiative:


First After intensive configurational trade-offs the TSTO system concept SÄNGER
was chosen to identify the most critical "Key-Technologies" which are
mandatorily needed to realize this advanced European next generation fully
reusable Space Transportation System. The SÄNGER fist stage concept was
based on an airbreathing propulsion system which seems to be the best way
to a fully reusable system. So the stage separation Mach number and altitude
seem to be achievable. For the upper stage it was assumed to relay on the
re-entry technologies developed at the same time in the European HERMES
program.


Second Based on this identified most critical "Key-Technologies" a Technology
Development and Verification concept was established and in four technical
disciplines were working groups established:
- Propulsion technology
- Materials and structures
- Aerothermodynamics
- Flight Control and Systems
Resulting from these activities hardware was designed built and tested


Third In the last phase of the program the activities were concentrated first of all on
the propulsion system components (e.g. intake, combustion chamber and
nozzle). Mainly due to the conclusion that propulsion engine/airframe
successful integration only could be proved by flight testing a number of flight
demonstrator concepts were investigated some of them with intensive
cooperation with Norway, Sweden und Russia.


After the termination of the Hypersonics Technology Program it was decided to turn over
all the technical know how and engineering experience into the new Future European
Space Transportation Initiative Program (FESTIP) which was initiated by ESA in 1995.
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ABSTRACT 


The present lecture of the RTO-AVT-VKI course “HIGH SPEED PROPULSION: ENGINE DESIGN – 
INTEGRATION AND THERMAL MANAGEMENT” is focused on the French flight experiment program 
called “LEA”. 


French R&T effort for hypersonic airbreathing propulsion is focusing on needed technologies for the 
propulsion system and acquisition of aero-propulsive balance prediction capability. A large part of 
technology development effort can be led on ground and is currently dedicated to combustion chamber to 
ensure its performance and thermo-mechanical strength. On the contrary, it is mandatory to flight 
demonstrate capability to predict the aero-propulsive balance. In that view, MBDA and ONERA are 
leading the flight testing LEA program. Started in January 2003, the program will end in 2015 after 4 
autonomous flight tests of an experimental vehicle in Mach number range 4 to 8. Guidelines for LEA 
vehicle and its propulsion system design have been validated in 2006 by a Preliminary Design Review. 
The running Phase 2 aims at getting a detailed design while validating the aero-propulsive configuration 
by a first free jet test series to be performed early in 2011. It led to a Critical Design Review performed in 
June/July 2009… 


INTRODUCTION 


Since early nineties, MBDA and ONERA are leading a large Research and Technology effort aiming at 
acquiring detailed knowledge on high-speed airbreathing propulsion and at developing corresponding 
technologies. 


The development of operational, civilian or military, application of the high-speed airbreathing propulsion 
depends of two key points:  


• Development of needed technologies for the propulsion system as a low weight, high robustness 
fuel-cooled structure for the combustor; and 


• Capability to predict with a reasonable accuracy and to optimise the aero-propulsive balance (or 
generalized thrust-minus-drag). 


Then, MBDA and ONERA are today focusing their effort on these key issues.  
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TECHNOLOGY DEVELOPMENT EFFORT 


Even if technologies will finally need to be flight proven, a large part of the technology development 
effort can be led with limited adaptation of available ground test facilities [1] and classical numerical 
simulation (thermal stress, mechanics…). 


In that field, the effort started during the PREPHA Program has being continued last decade through 
several initiatives taken by ONERA and MBDA [2]:  


• JAPHAR program ([3] to [5]); 
• WRR program ([6] to [8]); 
• PROMETHEE program ([9]); 
• A3CP ([10]); 
• PTAH-SOCAR (MBDA-Astrium ST); and 
• Cooperation with research laboratories (Ref11 to Ref13).  


Today, the technology development effort is pursued on different aspects which contribute to ensure the 
performance and thermal and mechanical strength of the combustion chamber: 


• Variable geometry, needed to optimize the performance on the overall flight Mach number range; 
• Endothermic fuel used as coolant for combustion chamber structure ([14] to [17]); and 
• Fuel-cooled structure itself ([18] to [20]).  


In the field of fuel-cooled structures, several PTAH-SOCAR C/SiC composite panels have been 
successfully tested by MBDA and Astrium ST in representative conditions and long accumulated test 
duration. This effort led to the development of a part of a combustion chamber duct, made of one single 
part, which has been successfully tested at ONERA ATD 5 test facility in early 2006 (Fig.1). 


  


Figure 1: Cooled composite combustion chamber duct (in red) tested at ONERA ATD5. 


Today, the development of the fuel-cooled C/SiC structure technology is pursued, not only for high-speed 
airbreathing application [21], and will lead to new demonstration steps by taking advantage of the new test 
facility METHYLE [22]. 
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Regarding studies related to endothermic fuels, the effort is shared between reforming kinetic modelling 
(cooperation with DCPR research laboratory in Nancy) and basic experiment at ONERA (called MPP) to 
understand the reforming process and to validate the modelling (Fig.2). These works allowed to develop a 
numerical tool able to simulate the operation of a fuel-cooled structure taking into account the heat 
exchanges, the fuel hydrodynamics and its reforming kinetic [19].  


  
 MPP      LAERTE 


Figure 2: Basic experiment on endothermic fuel at ONERA. 


More recently, the work has been focused on heterogeneous pyrolysis [23] or catalytic reforming [24] and 
combustion process of the reforming products. For this last point, on one hand, a specific effort has been 
undertaken to establish relevant chemistry kinetic model for combustion and, on the other hand, the MPP 
has been coupled with hypersonic test line of LAERTE laboratory at ONERA Palaiseau in order to 
perform preliminary combustion tests of reforming products and check the effect of chemical composition 
on ignition delay.  


Other details can be found in the lecture “scramjet thermal management” [41]. 


Beyond works already in progress, the test facility, developed by MBDA and ROXEL in their Bourges 
Subdray test center in the framework of PREPHA program, has been upgraded. The new test facility, 
called METHYLE (Fig.3, [22]), allows performing long endurance test in representative conditions to 
pursue and reinforce technology development by using a modular water-cooled dual mode ramjet 
combustion chamber able to integrate different kind of testing parts as for:  


• Element of variable geometry; 


• Sealing system; 


• Fuel-cooled structure; 


• Measurement techniques; and 


• Engine control system. 
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Figure 3: METHYLE test facility at MBDA/ROXEL test center. 


Thanks to two endothermic fuel preheaters, it is possible to separately test the engine cooling by 
endothermic fuel while burning gaseous methane and hydrogen mixture in the combustion chamber or test 
the combustion of reformed endothermic fuel products while cooling the engine by water. 


METHYLE entered into service early in 2009 and two operational test series using a modular water-
cooled dual-mode ramjet combustion chamber, called SMR, have been performed in 2009 [22].  


LEA FLIGHT TEST PROGRAM CONCEPT 


The extreme sensitivity of the aero-propulsive balance on one hand, and the limited capability of ground 
test facilities to represent right flight conditions on the other hand, make mandatory the definition of a 
specific on-ground development methodology coupling very closely experimental and numerical 
approaches.  


Obviously, such a methodology is very challenging. Before starting any operational development, it must 
be demonstrated that applying this approach will give an accurate value of the performance, allowing to 
guarantee design margins and to identify properly right directions for optimizing the system design. That 
is why, a flight experimental program, allowing applying the methodology and flight validating it, is a 
mandatory step towards future operational developments. 


Beyond all current technology development works mentioned here above, and on the basis of previous 
acquired results, MBDA and ONERA started a flight test program, called LEA, in January 2003 with the 
support of French Administration.  


In order to limit the cost, this flight test program will be carried-out with a minimum size experimental 
vehicle without any technology demonstration purpose (use of existing technologies as often as possible) 
(Fig.4). In the same view this vehicle will be non-recoverable, then non-reusable.  
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Figure 4: CAD view of LEA vehicle. 


The test principle consists in accelerating the LEA experimental vehicle specimen thanks to an air-
launched booster up to the given test Mach number, chosen in the range 4 to 8. Then, after booster 
separation and stabilization, the experimental vehicle will fly autonomously during 20-30 seconds (Fig.5).  
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Figure 5: LEA flight testing sequence. 
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During this autonomous flight, the airbreathing propulsion system will be ignited during 5 to 10 seconds 
with a fuel-to-air equivalence ratio variation. This approach, already used by X43A in USA, allows 
ensuring flight data acquisition at the right Mach number without mandatory need to get largely positive 
aero-propulsive balance (generalized thrust minus drag balance). Then the vehicle design constraints can 
be slightly relaxed. 


Taking advantage of this last point, the vehicle would be specifically instrumented to give a precise 
evaluation of the aero-propulsive balance with and without combustion and to determine the contribution 
of each propulsion system component to this balance. All measured parameters will be transmitted to 
ground by telemetry.  


As shown by Fig.5, a cooperation has been set up with Russian partners in order to take advantage of 
existing acceleration means and available test range. 


As explained previously, and beyond a detailed understanding of the components contribution to the aero-
propulsive balance, such a flight test program will give the opportunity to define, implement and validate a 
development methodology applicable to any future operational development.  


TECHNICAL STATUS 


Engine Concept 
The airbreathing propulsion system concept has been chosen by taking into account all results acquired 
during engines developments performed these last 15 years. The finally selected concept is a variable 
geometry one using a simple translation movement of the engine cowl and a thermal throttling (Fig.6).  
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CH4, H2 


Mobile flameholder


Thermal throatVariable geometry 
combustion chamber 


Mobile cowl 


 


Figure 6: Concept of translating cowl variable geometry engine. 


Nevertheless, as each flight test will be performed at a quite constant Mach number, a fixed geometry 
engine will be used on board of each LEA test vehicle, this engine configuration being representative of 
the selected variable geometry concept at the tested flight Mach number. 


In order to limit the complexity and cost of the system, it has been decided to base the design on metallic 
heat sink structure with a high temperature low thermal conductivity coating. 


The fuel has also been chosen. The most part of French experience in supersonic combustion is related to 
Hydrogen. But, considering the very low density of Hydrogen, it is preferable to avoid this fuel in order to 
limit the size of the tank, then the size of the vehicle and consecutive difficulties to find a possible 
acceleration system complying with the needs (integration constraints, needed total energy release…). On 
the other hand, liquid hydrocarbon fuel could be considered. But, our experience is limited with such a 
fuel and it would be difficult to ensure a robust ignition and a good combustion efficiency without 
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previous reforming in a regenerative cooling system (simplest technology used on board of the 
experimental vehicle). Finally, a mixture of gaseous Methane and gaseous Hydrogen has been selected. By 
using this mixture, it is possible to increase the fuel density then limit the fuel tank size. It could be also 
possible to vary the H2/CH4 ratio during the flight to ensure a robust ignition and control the heat release 
along the combustor.  


Aero-Propulsive Configuration 
Some specific works have been performed to adapt numerical simulation codes to the particular CH4/H2 
fuel ([25] to [28]). These codes have been validated thanks to basic experiments led in updated ONERA 
LAERTE test facility. Moreover, ONERA ATD 5 test facility has been updated to allow CH4/H2 tests for 
the LEA engine. By waiting, a first test series has been performed with already existing JAPHAR 
combustion chamber to acquire a first experience with such a fuel ([29]).  


Combustion chamber design is still under progress while the optimization of the aeropropulsive 
configuration is pursued by combining numerical simulation and ground testing ([30]).  


Two test facilities are available for the program to perform full scale direct connected pipe with two 
different technologies for the combustion chamber structure. 


At MAI, after the development of a new preheater (vitiator), a full scale water-cooled model (with a 2/3 
width) has already been tested in the flight Mach number range 2 to 7+, first with H2 and K as fuels, then 
with CH4/H2 mixture (Fig.7). A new full scale model with full width has then been developed and new 
test series is to be performed untill October 2010. 


 


Figure 7: Engine test at MAI. 


In parallel, at ONERA ATD 5 test bench, a new copper alloy heat-sink full scale model, called CLEA, is 
under testing in the flight Mach number range 4 to 7.5. This model is burning CH4/H2 mixture as fuel 
(Fig.8). 
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Figure 8: CLEA model under test at ONERA test facility. 


Some parametric studies related to forebody have been carried out in order to determine a set of design 
parameters allowing a satisfactory pre-compression while complying with technology constraints.  


Then, the air inlet design has been optimized and a first test series has been performed in the Mach 
number range 2 to 8 (Fig.9). A new model of the sub-system forebody/air inlet at scale 1/3 has been 
manufactured and tested to check the forebody boundary layer transition and its effects on inlet 
performance, to finalize the optimisation of the design and to acquire a detailed characterization of the 
finally selected inlet configuration. 


  


Figure 9: Forebody/air inlet tested in the Mach number range 2 to 4. 


 Due to the particular configuration of the afterbody/nozzle, a specific effort was also led to optimize the 
propulsive performance and well understand the interaction between the propulsive jet and the external 
flow in order to accurately determine the effect of propulsive jet on external aerodynamic (Fig.10). 
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Figure 10: Study of the interaction between propulsive jet and fins. 


Aerodynamic behaviour of the LEA vehicle and of the Flight Experimental Composite (FEC) constituted 
by LEA and its booster have been evaluated by computation. By waiting FEC experimental 
characterization to be done at TsAGI, a first test series of aerodynamic test has been carried out in May 
2008 at ONERA Modane test center. This test series was performed with a ¼ scale permeable model 
(Fig.11). 


 


Figure 11: LEA vehicle aerodynamic model – scale ¼. 


By another way, aerodynamic test series has been performed at TsAGI to determine aerodynamic 
interactions during FEC dropping from TU22-M3 aircraft. 
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The LEA vehicle/booster separation phase can obviously constitute a risk and must be carefully studied. In 
order to be able to specify in detail all elements of the separation chain, some preliminary computation 
have been performed to determine aerodynamic interaction. Such study takes into account both close and 
open air inlet door configurations in order to optimize the sequence and timing between separation and air 
inlet opening (Fig.12). The aerodynamic model shown in Fig.11 will be later used to perform some tests to 
check interaction provided by the booster to the LEA vehicle. 


   


Figure 12: Examples of LEA/Booster interaction with close and open air. 


Finally, a large effort has been dedicated to the development of Nose-to-Tail computation tools. Thanks to 
this, two approaches – NtT computation by blocks or integral NtT computation – are available and daily 
used to evaluate and optimize the aero-propulsive balance of the vehicle (Fig.13). These computations are 
also useful for refining the development methodology as well as for understanding all phenomena 
affecting the aero-propulsive balance like thermo-mechanical deformation or for assessing the relevant 
parameters to be taken into account within performance models. 


NtT by blocks
Integral NtT


Heat flux distribution Wall pressure distribution


NtT by blocks
Integral NtT


Heat flux distribution Wall pressure distribution  


Figure 13: Examples of Nose-to-Tail computation. 


All the previous elements have been used to establish a performance model of the vehicle used in a 
detailed flight simulation covering a complete flight test sequence – LEA/booster dropping from air 
carrier, acceleration on booster, separation, descent trajectory of booster, LEA autonomous flight up to 
final crash – and providing: 
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• Assessment of reachable maximum LEA/booster separation conditions; 


• Detailed check of separation phase; and 


• Dynamic stability of the LEA vehicle during its free flight. 


Vehicle Design 
Other activities have also been carried out to chose the basic technologies used for the LEA vehicle and its 
propulsion system and a preliminary design has been performed and validated by a Preliminary Design 
Review. This preliminary design has been refined before a Critical Design Review performed in June 
2009. During this refinement phase, a particular focus has been made on integration process (both in 
France and in Russia) (Fig.14) as well as on mass optimization while internal layout and instrumentation 
and equipment are defined in detail.  


 


 


Figure 14: General integration process. 


On the basis of the preliminary design, some mechanical and thermo-mechanical simulation have been 
performed to assess the mechanical behaviour of the vehicle when fixed to the booster through the inter-
stage (heavy mechanical loading) as well as in free flight (thermo-mechanical deformation) (Fig.15).  
A first mechanical test has been carried-out confirming these computation (Fig.16). 
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Mach 7.5 Free flight thermo-mechanical 
deformation 


Eigen values - 1st mode 


Figure 15: Example of mechanical and thermo-mechanical analysis. 


 


Figure 16: LEA vehicle mechanical mock-up under testing. 


In the same way, detailed thermal simulation are led to justify the design against thermal loading for 
specific parts like forebody nose (in which a flush air data system will be embedded) (Fig.17) or for 
internal equipment and for all fuselage and engine structures. 
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Figure 17: Temperature profile on forebody nose. 


GROUND TESTING LOGIC 


By another way, the general approach for on-ground testing has been refined accordingly to Fig.18. 


 


Figure 18: Ground testing logic. 
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Two options have been evaluated for the planned free jet tests. One consisted in upgrading the S4Ma wind 
tunnel, located in ONERA Modane test Center in the French Alps, in order to take advantage of the 
existing alumina pebble bed heater which allows to perform test with air non vitiated by water vapour up 
to Mach 6.5 conditions (1800 K). Thanks to a complementary pre-burner or to an updating of the pebble 
bed heater, tests corresponding to Mach 7.5 flight conditions will be also feasible. 


The other one consisted in upgrading the METHYLE test facility to take advantage of the already existing 
fuel system and the large capabilities of mass flow and extraction ([22]).  


Detailed design studies have been performed to verify the feasibility of S4MA upgrading (Fig.19) and 
evaluate precisely the corresponding cost as well as for METHYLE facility.  


 


 


 


 


 


 


 


 


 


 


 


 


 


 
 


Figure 19: LEA free-jet test installation in S4Ma test facility. 


Finally, S4Ma wind tunnel has been down selected and the upgrading is currently in progress ([30]).  
A first test series at Mach 6 flight conditions with un-vitiated air is planned early in 2011. Then, further 
test series should be performed. 


It has to be noticed that the competitive evaluation of the two potential test facilities gave the opportunity 
to address in detail the key issue of air vitiation encountered in ground test facilities. Thanks to that, it has 
been possible to define a set of similarity rules which should allow to accurately represent the actual flight 
conditions at high Mach number in a vitiated free jet test facility as well as in direct connected pipe test 
facilities. 
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CONCLUSION AND PERSPECTIVES 


The dual-mode ramjet concept constitutes the main air breathing propulsion system which can be used in a 
very large flight Mach number range up to Mach 8 (storable fuel) or 10/12 (hydrogen fuel) and then could 
allow developing future fully reusable space launcher and military systems. 


As part of worldwide activities, a permanent Research and Technology effort is being pursued in France 
since more than fifteen years. Today, this effort aims at addressing the two key technology issues which 
are the accurate prediction of the aero-propulsive balance of an air breathing vehicle flying at high Mach 
number and the development of high-temperature structures for the combustion chamber able to withstand 
the very severe environment generated by the heat release process while ensuring reliability and limited 
mass and should allow to conclude on the feasibility and interest of possible applications by 2015.  


The LEA flight test program constitutes a very important first step in the definition and the validation of a 
development methodology for hypersonic air breathing vehicles. Nevertheless, if we consider possible 
application of high-speed airbreathing propulsion to future reusable space launcher, it is clear that the 
airbreathing phase will have to be extended up to Mach 10/12 ([31 &[32]).  


In that view, a minimum R&T program has been proposed ([33]). It includes an extension of the flight 
domain of the LEA vehicle (LEA +) thanks to the upgrading of the present acceleration system or by 
selecting an other one with higher capabilities. At least, taking into account corresponding background and 
associated working partnership, it should be possible to define the most efficient flight test program (in 
term of scientific and technological return to financial investment). But, considering the limited budget 
which could be potentially available in Europe within the next years for such a flight test program, a 
preliminary and less ambitious flight test program, called EAST for European Advanced Scramjet Test, 
has been proposed with, unfortunately, no success up to now ([34]). Such a program, dealing with an 
integrated propulsion system, would allow extending the already defined development methodology by 
taking into account new ground test possibilities as, for example, high enthalpy short time wind tunnels F4 
at ONERA Fauga or HEG at DLR Göttingen and to acquire a first flight validation. By another way it 
would be possible to take advantage of the quite complete propulsion system configuration to flight test 
the needed improvements of LEA technology to sustain higher flight Mach number conditions. 


Beyond these technology development efforts, the need was also clearly identified to restart system studies 
taking advantage of recent progress made regarding knowledge, tools and technology and focusing on 
more innovative airframe and propulsion system concepts enabling better trade-off between structural 
efficiency and propulsion system performance.  


In that field, ONERA was leading some preliminary design studies related to airbreathing micro-space 
launchers derived from PREPHA program generic vehicle.  


In the same time, MBDA is considering an axi-symmetric configuration for a fully re-usable micro-space 
launcher (10 kg payload + 30 kg avionics). The vehicle is based on a main stage powered by airbreathing 
propulsion, combined or not with liquid rocket mode, and a “kick stage”, powered by a solid rocket engine 
provides the final acceleration (NEO concept) (Figure 20–[35]).  
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Figure 20: Space launcher NEO concept. 


A preliminary design has been performed for different variant: one using a separated booster and a purely 
airbreathing main stage, a second one using a booster and a main stage combining airbreathing and rocket 
mode, a third one without separated booster, the main stage ensuring the initial acceleration in liquid 
rocket mode and a complementary acceleration phase in rocket mode beyond the airbreathing propulsion 
system operation. In addition, the liquid rocket engine of this third variant can be replaced by a continuous 
detonation wave rocket engine ([37]). Results obtained on trajectory simulation show the interest of 
airbreathing propulsion despite the fact that application to micro-launcher is not the more efficient one. In 
the same time, the development of such a micro-launcher could provide a very good and low risk 
opportunity to demonstrate the feasibility of a full scale fully re-usable airbreathing vehicle. 


Finally, MBDA and ONERA are active partners in the frame of the LAPCAT2 program, funded by 
European Union and coordinated by ESA/ESTEC, focusing their effort on Mach 8 vehicle (Fig.21 - [38] 
to [40]). 


 


Figure 21: LAPCAT 2 – Mach 8 airplane studied by MBDA. 
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