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ABSTRACT

A fatigue lifing framework using a lead crack concept has been developed by the DSTO for metallic
primary airframe components. The framework is based on years of detailed inspection and analysis of
fatigue cracks in many specimens and airframe components, and is an important additional tool for
determining aircraft component fatigue lives in the Royal Australian Air Force (RAAF) fleet. Like the
original Damage Tolerance (DT) concept developed by the United States Air Force (USAF), this framework
assumes that fatigue cracking begins as soon as an aircraft enters service. However, there are major and
fundamental differences. Instead of assuming initial crack sizes and deriving early crack growth behaviour
from back-extrapolation of growth data for long cracks, the DSTO framework uses data for real cracks
growing from small discontinuities inherent to the material and the production of the component.
Furthermore, these data, particularly for lead cracks, are characterized by exponential crack growth
behaviour. Because of this common characteristic, the DSTO framework can use lead crack growth data to
provide reasonable (i.e. not overly conservative) lower-bound estimates of typical crack growth lives of
components, starting from small natural discontinuities and continuing up to crack sizes that just meet the
residual strength requirements. Scatter factors based on engineering judgement are then applied to these
estimates to determine the maximum allowable service life (safe life limit).

RELEASE LIMITATION

Approved for public release



Published by

Air Vehicles Division

DSTO Defence Science and Technology Organisation
506 Lorimer St

Fishermans Bend, Victoria 3207 Australia

Telephone: (03) 9626 7000
Fax: (03) 9626 7999

© Commonwealth of Australia 2010

AR-014-747
April 2010

APPROVED FOR PUBLIC RELEASE



The Lead Crack Fatigue Lifing Framework

Executive Summary

Many years of quantitative fractography (QF) of fatigue cracking in metallic airframe
materials and structures, ranging from coupon to full-scale fatigue tests, and also
including components removed from service, have shown that most of the lead cracks
grew in an approximately exponential manner. The QF observations covered crack sizes
from a few micrometres up to many millimetres and showed that the cracks originated
from small discontinuities inherent to the material and production of the component.
Furthermore, the lead cracks began to grow shortly - effectively immediately - after the
coupons, test articles and service components were subjected to dynamic (fatigue) loading.
Based on these observations the DSTO has developed a service component lifing approach
called the lead crack fatigue lifing framework. This framework has been implemented as an
additional tool to determine component fatigue lives for several types of aircraft in the
Royal Australian Air Force (RAAF) fleet.

In using a lead crack concept the DSTO framework assumes that fatigue cracking begins as
soon as an aircraft enters service. This is the same assumption as that made by the original
Damage Tolerance (DT) concept developed by the United States Air Force (USAF).
However, there are major and fundamental differences. Instead of assuming initial crack
sizes and deriving early crack growth behaviour from back-extrapolation of growth data
for long cracks, the DSTO framework uses data for real cracks growing from the small
inherent discontinuities observed by QF. Furthermore, these data, particularly for lead
cracks, are characterized by exponential crack growth behaviour. Because of this common
characteristic the DSTO framework can use lead crack growth data to provide reasonable
(i.e. not overly conservative) lower-bound estimates of typical crack growth lives of
components, starting from small natural discontinuities and continuing up to crack sizes
that just meet the residual strength requirements. Scatter factors based on engineering
judgement are then applied to these estimates to determine the maximum allowable
service life (safe life limit).

This report presents and discusses the lead crack fatigue lifing framework, including its
strengths and limitations.
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List of Symbols, Abbreviations and Acronyms

a crack size

ag initial discontinuity or crack size

acr critical crack size

ars critical crack size at 1.2DLL

AA aluminium alloy

AFHRS airframe hours

AVT Applied Vehicle Technology

BLKHD bulkhead

B finite width and crack shape geometry correction factor
CA constant amplitude

CB centre barrel (bulkhead)

CCT centre crack tension

CF Canadian Forces

CS central spar

DLL Design Limit Load

DSTO Defence Science and Technology Organisation
DT Damage Tolerance

EPS equivalent pre-crack size

FALSTAFF Fighter Aircraft Loading STAndard For Fatigue
FASS forward auxiliary spar station

FCG fatigue crack growth

FLEI fatigue life expended index

FSFT full-scale fatigue test

GLARE GLAss REinforced aluminium laminates

IPP inner pivoting pylon

A constant in specific exponential crack growth relations
LHS, RHS left hand side and right hand side

lltT/[LB MegaLiner Barrel

time in specific exponential crack growth relations

NATO North Atlantic Treaty Organisation
NDI Non-Destructive Inspection

QF quantitative fractography

R stress ratio, Smin/ Smax

RAAF Royal Australian Air Force

RS residual strength; also rear spar
RST residual strength test

RTO Research and Technology Organisation
Smax, Smin maximum and minimum stresses
SF scatter factor

SFH simulated flight hours

SLL safe life limit

t time

USAF United States Air Force

VA variable amplitude
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1. Introduction

1.1 Fatigue life testing for metallic airframes

Accurate prediction of the fatigue lives of metallic airframes still presents challenges,
particularly for high performance aircraft. There is always a demand for lighter structures
with reduced manufacturing and operating costs. This leads to relatively highly stressed and
highly efficient designs where fatigue issues can arise at features such as shallow radii at the
junction of flanges, webs and stiffeners, as well as at holes and tight radii. As a consequence,
there are usually many areas that need to be assessed for their fatigue lives, and many
potential locations at which cracking may occur in service.

It is well-known that fatigue is a complex phenomenon that is dependent on many
parameters, including the material characteristics (mechanical properties, microstructure and
inherent discontinuities, e.g. constituent particles), surface treatments and finishes, the
component and structural geometries, dynamic load histories and the environment.
Nevertheless, engineering fatigue design relies in-part on baseline coupon tests to assess the
many locations identified as susceptible to cracking. The coupons may be loaded by constant
amplitude (CA) or representative variable amplitude (VA) load histories, and they may try to
represent some feature of a built-up structure. The results of these coupon tests are averaged
to give an indication of the life of the structure in a production aircraft. However, there are
significant limitations to this approach:

(1) Experience has shown that, in high performance aircraft, the structural components have
many features with the potential to crack, and that each of these features is typical of a
single type of (more-or-less) representative coupons. Hence, the average indicated life of a
component is equivalent to only the shortest average life from tests on several types of
coupons.

(2) Even when the most critical feature of a component has been identified and assessed by
coupon testing, the coupons are rarely fully representative, notably with respect to the
surface treatments and finishes required for production aircraft. This is important because
the commencement of fatigue cracking is primarily surface-influenced and therefore
greatly dependent on small surface discontinuities inherent to component production, as
well as any surface-connected discontinuities inherent to the material.

These limitations are addressed by other means. One way, which is mandatory for all modern
aircraft, is to test actual components, part of the structure or even the full airframe, thereby
including the effects of component geometry and production. Another way is to improve
coupon testing by making the coupons optimally representative of the most fatigue-critical
details, e.g. by applying surface treatments and finishes used in component production. This
may seem obvious, but it is sometimes neglected or overlooked.
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1.2 Fatigue lifing methods

1.2.1 Royal Australian Air Force (RAAF) lifing criteria

The preferred RAAF methodology for lifing aircraft primary structures, e.g. [1], requires
establishing the fatigue test life, under representative loading, of a full-scale structure or major
component to a residual strength (RS) requirement of 1.2 X Design Limit Load (DLL) without
failure. Whether the test structure fails below 1.2DLL or survives, it is necessary to determine
the equivalent fatigue life defined by the ability of a structural detail to achieve and survive
1.2DLL with cracking present. In other words, the test time to the critical crack length/depth
(ars) at the RS > 1.2DLL point is required.

For a crack that fails the structure below 1.2DLL the fatigue crack growth (FCG) life is
assessed analytically and reduced to a time at which it would have reached the calculated ars
value for a RS =1.2DLL. For those cracks that survive the RS test load some assessment of the
remaining amount of life may be needed. This depends on several factors:

(1) During a complex full-scale fatigue test, it is often necessary to ensure the survival of the
test article by removing or modifying cracked locations when the cracks are smaller than
the calculated ars values. These locations become the subject of fleet action prior to the
overall life established by the fatigue test, but it may be possible to gain some additional
life before the fleet action. This is checked by calculating the remaining FCG life to ars,
thereby establishing a virtual test life (virtual test point) for fleet action.

(2) Although the test may in general establish adequate fatigue lives, it is often not possible to
apply representative load histories in all areas. When cracks form at locations in non-
representatively loaded areas it may be necessary to calculate the definitive FCG life to ars
and establish additional virtual test points. Such calculations require detailed knowledge
of the FCG behaviour under representative and non-representative load histories.

(3) Finally, the load histories experienced by the fleet may turn out to be significantly
different to the load histories assumed and applied during testing. As before, such
differences may require further analysis of the cracks found during testing, in order to
establish new equivalent test lives and virtual test points.

Each of these scenarios needs a framework of rules under which FCG predictions can be made
with the aid of data from coupon, component and full-scale fatigue tests. However, before
proceeding to this topic, which is the main theme of the present report, methods of
establishing the FCG lives are concisely discussed. This is because there is a major and
fundamental difference between the method employed in the Damage Tolerance (DT) concept
developed by the United States Air Force (USAF) [2] and the currently proposed and used
DSTO method.

1.2.2 Methods of establishing FCG lives

Both the USAF DT and DSTO methods assume that defects (cracks, flaws and discontinuities)
are already present in new structures, and that these defects must be treated as cracks that are
immediately capable of growing by fatigue under service load histories. However, beyond
these assumptions there are major and fundamental differences.
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1.3 USAF DT method [2]

For critical locations the DT method specifies initial flaw / crack sizes and shapes based on pre-
service Non-Destructive Inspection (NDI) capabilities and the assumption that cracks grow
soon after the aircraft is introduced into service. The minimum assumed crack dimension is
about 0.5 mm, see table 1. Soon after these requirements were introduced, there was some
debate about their arbitrariness and unknown conservatism [3]. Subsequently, Lincoln [4]
stated that more than ten years of data collection had validated the requirements. However,
there is now a consensus that these requirements can lead to predicted FCG lives that are too
conservative. This has led to setting up the RTO working group AVT-125 "Future Airframe
Lifing Methodologies" within the NATO community, and with which the DSTO confers and
participates.

Table 1: ~ USAF MIL-A-83444 safety requirements for assumed initial damage

Flaw size a (mm) to be assumed immediately after

Types of flaw

inspection
Aspect P o -
ratio rlf-}sler;rllce m;pzctlon
Lo with high standard NDI* In-service inspection
Description Geometry @) & Slow crack with specialI;\TDI*
Fail-safe
growth

2o
Surface crack# é %f E ég 1.27 3.18 6.35
Through crack Cij 2.54 6.35 12.7
Corner crack 1.0 6.35 mm beyond
at a hole# C@ 0.2 0.51 1.27 fastener head or nut
Through crack 6.35 mm beyond
at a hole 0.51 1.27
fastener head or nut

* NDI = Non-Destructive Inspection
# Definition of a used herein.

For continuing damage! and non-critical locations the DT method specifies much smaller
initial flaw/crack sizes of about 0.127 mm, but allows the aircraft manufacturer to change
these requirements if actual initial flaw / crack size information is available - which has rarely
been the case until recently [5,6].

Be that as it may, all the specified USAF DT initial flaw/crack sizes are questionable or
arbitrary assumptions. For continuing damage and non-critical locations the predicted early
FCG behaviour is also questionable since it is derived from back-extrapolation of (a) VA long
crack growth data or (b) VA growth curves derived from long crack CA data, with both
methods using analytical models "tuned" to long crack growth behaviour. These issues of
initial flaw size and VA crack growth determination from CA, together with potentially
overly-conservative predictions of FCG lives for critical locations, constitute significant
limitations to the DT method.

1 This relates to built-up components where, for example, a crack from one side of a hole grows to a
free-edge and results in crack initiation or acceleration of an existing crack from the other edge of the
hole or another location in the component [2].
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1.4 DSTO method

The DSTO method has been developed from many years of detailed quantitative fractography
(QF) of fatigue cracking in metallic airframe materials and structures, ranging from coupon to
full-scale fatigue tests, and also including components removed from service. The QF
observations covered crack sizes from a few micrometres up to many millimetres and showed
that the cracks originated from small discontinuities inherent to the material and component
production. These discontinuities are discussed in Section 3 of this report.

For high performance aircraft the detailed QF observations were-and are-essential to
determine the FCG rates, particularly where most of the life of a fatigue crack is spent as a
relatively small crack. QF data make it possible to (a) characterise the crack-generating
discontinuities and their populations, (b) account for variability in small crack FCG behaviour,
a notorious problem that is difficult or impossible to tackle in any other way, and (c) predict
total lives from larger or smaller discontinuities. All of this information can be used to make
more accurate predictions of FCG lives in service. Furthermore, a key point is that the lead
cracks began to grow shortly-effectively immediately-after the test coupons, components, full-
scale structures and service components are subjected to fatigue loading.

Based on these observations, and applying a lead crack concept which assumes that lead cracks
in production quality aircraft components and structures immediately begin to grow under
service load histories, the DSTO has developed a service component lifing approach based on
the lead crack fatigue lifing framework. Under (or using) this framework a methodology has been
implemented as an additional tool to determine component fatigue lives for several types of
aircraft in the Royal Australian Air Force (RAAF) fleet.

This report presents the framework, with examples from test programmes used in lifing
RAAF aircraft. Examples of typical crack growth behaviour, and departures from it, are also
presented.
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2. Lead Cracks

If a particular region of a structure has the propensity to crack, it is possible that a number of
cracks will nucleate and grow. The crack that grows fastest in this region is the lead crack.
Since there will probably be a number of regions across an entire structure that will crack,
there will most likely be a number of lead cracks across the entire structure and one of these
will ultimately cause the failure of the structure.

Many observations at the DSTO e.g. [7-10] and by other researchers, e.g. [11-13], have shown
that approximately exponential FCG is a common occurrence for naturally-initiating lead
cracks (i.e. those leading to first failure) in test specimens, components and airframe structures
subjected to VA load histories. At this point, it is important to note that the lead cracks come
from a typical population of cracks. They are not cracks growing from the rare and
exceptional discontinuities classed as "rogue flaws".

2.1 Lead crack characteristics

The lead cracks have the following general characteristics:
(1) They start to grow shortly after testing begins or the aircraft is introduced into service.

(2) Subject to several conditions (see below) they grow approximately exponentially with
time, i.e. FCG may be represented by an equation of the form a = age"", where a is the
crack size at time N, ao is the initial crack size and A is a constant that includes the
geometrical factor f, see point (3) below. The conditions are:

(a) Little error is made when assessing the effective crack size (EPS) of the fatigue-
initiating discontinuity. An underestimate will cause a small temporary departure
from an exponential trend near the commencement of FCG.

(b) The crack does not grow into an area with a significant thickness change,
particularly if the crack length/depth is small compared to the specimen or
component thicknesses or widths.

(c) The crack is not unloaded, either (i) by the cracked area losing stiffness and
shedding load to other areas of the specimen, component or structure; or because
it grows (ii) towards a neutral axis due to bending loads or (iii) away from an
externally induced stress concentration such as a pin-loaded hole in a multi-pin
loaded joint.

(d) The crack does not encounter a significantly changing stress field by growing into
or from an area containing residual stresses.

(e) FCG is not retarded by infrequent very high loads (usually in excess of 1.2 X the
peak load in the load history).

(f) The small fraction of FCG life influenced by quasi-static fracture close to final
failure is ignored.

These conditions for approximately exponential FCG are discussed further in Appendix A.
Within the bounds of these conditions, the DSTO's observations of the formation, growth and
failure of lead cracks have led to the following deductions:
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(3) The usually important geometrical factor f (which depends on the ratios of the crack
length and shape to the width and thickness of the specimen or component) does not
appear to influence the FCG as much as might be expected. For low K; features the
majority of the life is spent when the crack is physically small, so fdoes not change much.
However, even when a crack initiates at an open hole and the calculated £ changes
rapidly, the lead cracks still appear to grow exponentially. (This is not to say there is no
geometry influence. For example, under the same net section stresses, FCG from open
holes accelerates more than from low K; details.)

The reason or reasons for the small influence of frequires further research.

(4) Typical initial discontinuity sizes are about equivalent to a 0.01 mm deep fatigue crack, see
for example [6,8]. In other words, a 0.01 mm deep crack is a good starting point (or
Equivalent Pre-crack Size - EPS) for FCG assessment. N.B: this EPS is well below the
smallest initial flaw/crack size to be assumed in the USAF DT method, see
subsection 1.2.2.

(5) Cracks may also grow exponentially within residual stress fields, although the exponent
will be influenced by these stress fields, see for example [14,15].

(6) If (very) high loads occur periodically in the load history, then the average FCG may still
have an exponential trend [7].

(7) The metallic materials used in highly stressed areas of high performance aircraft have
typical critical crack depths? of about 10 mm, see for example [6,8].

2.2 Examples of exponential FCG and lead cracks

Exponential FCG from typical small discontinuities occurs in several materials, irrespective of
load histories [7] (e.g. tension- or compression-dominated, and manoeuvre or gust spectra),
aircraft type [8] and structural geometry [9,16]; and for fatigue crack sizes from a few
micrometres to many millimetres.

Figure 1 gives examples of exponential FCG curves extending over 2-3 orders of magnitude
in crack size. The data were obtained from QF measurements on samples cut from the lower
skin of an F-111 wing removed from service and tested under flight-by-flight block loading
[17]. The FCG rates (gradients of the FCG curves) were mostly similar, even though the cracks
occurred at numerous span-wise and chord-wise locations and covered two-thirds of the
wingspan. This means that despite variations in geometrical details and locations, similar FCG
rates pertain under similar loading conditions. This trend has been observed for other aircraft
structures [8].

2 Although final failure of many highly stressed components may be at larger crack sizes, it is usually
found that significant quasi-static fracture preceded failure. This observed behaviour is rarely
accounted for by standard laboratory tests. See Chapter 8 in [5] for a particularly illustrative example.
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Figure 1: ~ Sample of FCG curves from different locations in the aluminium alloy (AA) 2024-T851
lower wing skin of an F-111 test article removed from service [17]. CS = central spar,
BLKHD = bulkhead, FASS = Forward Auxiliary Spar Station inches, IPP = Inner
Pivoting Pylon, RS = Rear Spar.

Besides clearly demonstrating exponential FCG behaviour and similar FCG rates, this log
crack size versus linear life plot has a couple of additional advantages:

e The FCG behaviours of small cracks are more clearly seen than on a double-linear plot.

e Given mostly similar FCG rates it is seen that the major source of scatter (for the same
loading) is the initial discontinuity/crack size. This demonstrates the importance of
obtaining good estimates of EPS values.

From the example in Figure 1 and the attendant discussion it may be seen that simplified but
reasonably accurate FCG life estimates can be derived as follows:

e Assume immediate in-service exponential FCG from initial discontinuities.
e Select several locations and areas.

e Choose a number of initial discontinuity/crack sizes (EPS) and final crack sizes
characteristic of these locations and areas.

e Choose characteristic exponent values (or possibly one overall value if the FCG rates
are similar) in combination with initial discontinuity sizes and final crack sizes to
estimate FCG lives for these locations and areas.

Comparison of these estimates will enable determining the lead crack at any given life and its
location. For example, Figure 1 shows that at 20,000 test hours the lead crack was at
SPLICE 244, but at 35,000 test hours the lead crack was at CS086. The reasons for this change
are (a) the larger initial crack depth for the SPLICE 244 location and (b) the higher crack
growth rates for the crack at the CS086 location, whereby this crack overtook the SPLICE 244
crack at about 28,000 test hours.
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3. Fatigue Crack Initiation3

3.1 Ideal and realistic (service and production quality) conditions

Under more or less ideal conditions, typically for carefully prepared specimens* tested in
laboratory air, a significant period of fatigue-induced microstructural damage can precede
fatigue crack initiation. This may also be the case for highly finished engine components and
low-stressed parts in secondary structures and helicopters, although service conditions can
allow other mechanisms like corrosion, fretting and incidental damage to contribute to the
pre-crack damage.

In contrast, production aircraft components and structures often have many sources of surface
or near-surface discontinuities capable of initiating fatigue cracking. These include various
forms of machining damage (scratches, grooves, burrs, small tears and nicks); etch pits from
surface treatments (pickling, anodising); porosity, especially in thick aluminium alloy plate
and castings; and in the case of aluminium alloys and steels, constituent particles that may
themselves be cracked. Titanium alloys are a special case, but they too can have material
discontinuities, though very rarely [18].

Figure 2 shows some examples of discontinuities, illustrating their variety. More are given in
Appendix B, which also includes a concise review of fatigue crack initiation in aluminium
alloy components and structures, since these materials are the most widely used in metallic
airframes.

Although the discontinuities are mostly small - of the order of 0.01 mm in depth [6,8] — they
can initiate fatigue cracking quickly in highly stressed specimens, components and structures.
This has been shown by DSTO studies [6-8,10,19,20] and others [21,22], and an example is
given in subsection 3.2. Furthermore, structures with many critical features, e.g. bolt holes, or
large areas under high stress, are susceptible to multiple crack initiation. One or more of these
cracks will lead the others to become the critical cracks that determine the FCG life.

3 The title of this Section is somewhat contentious. The eminent researcher, D.W. Hoeppner, prefers
"nucleation" to "initiation", which he regards as misleading. This is because the terms "fatigue crack
initiation" and "life to first crack" have often been used imprecisely, without regard to the physical
process or processes that preceded crack formation.

4 The specimens may be precision machined finished and then highly polished.
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Figure 2: ~ Some examples of discontinuities that can exist in a metallic airframe at the time it enters
service. Each discontinuity will act, or has acted, as an effective crack starter, reducing
fatique crack formation to a few effective load cycles.

3.2 Fatigue cracking from discontinuities: an example

As mentioned in subsection 3.1, small discontinuities can cause fatigue cracking very quickly
at high stress levels. It was also mentioned in subsection 1.1 that the initiation of fatigue
cracking is primarily from surface discontinuities.

To illustrate these points and their interrelation, Figure 3 shows QF data for flight simulation
FCG from surface-connected and (slightly) subsurface discontinuities in highly stressed
aluminium alloy specimens. Most of the FCG-initiating discontinuities were smaller than 0.05
mm and crack growth began effectively immediately when they were surface-connected.
However, for specimens KS1G3 and KS1G66 the FCG-initiating discontinuities were
subsurface and there were apparent delays of 10,000 and 26,000 flight blocks before crack
growth began. The reason for these apparent delays is that subsurface crack growth would
have occurred in vacuo at much slower rates than in air [23]. Once the cracks contacted the
surface (and thus the environment) their FCG rates became similar to those for other
specimens tested at the same stress levels.
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Figure 3:  FCG data for highly stressed AA7050-1T7451 aluminium alloy specimens tested under
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combat aircraft flight-by-flight block loading at four stress levels. One block represents
about 300 airframe hours (AFHRS) and each data point represents the crack growth

increment per block.

Subsurface fatigue crack initiation is considered highly exceptional in aircraft components and
structures unless they have undergone surface treatments, e.g. shot peening, to enhance the
fatigue resistance. Although such treatments are not relied upon during design for fatigue
lifing purposes, shot peening is a favoured remedial action for areas found to have insufficient
life. An example is given in Appendix A. The behaviour of subsurface-initiated fatigue cracks

is discussed in more detail in Appendix B.
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4. Fatigue Crack Growth

4.1 Approximately exponential crack growth

As mentioned in Section 2, many observations have shown that approximately exponential
FCG commonly occurs for naturally-initiating lead cracks. In fact, the observation of
exponential FCG has a long history, going back to the 1950s [24]. This behaviour is described
by the following simple relationships:

a = age’N 1
{n(a) = AN + {n(ao) (2)
These relationships mean that the FCG data appear to be well represented by straight lines on

plots of {n (log) crack size versus life and fn (log) FCG rate versus {n (log) crack size. Figures 1
and 3 are examples of the first type of plot, and Figure 4 is an example of the second type.
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Figure4:  FCG rate data from Figure 3

Several points are to be noted about the example in Figure 4:
(1) The stress level dependence in Figure 3 is reflected in Figure 4.

(2) Trend lines for each set of stress level data have slopes reasonably close to 1 over 3 orders of
magnitude for both the FCG rates and crack depths. This means that there is a wide range
in which the FCG rates are approximately proportional to the crack depths and hence
indicate approximately exponential FCG. The wide range of this approximation is a robust
affirmation of its applicability and usefulness.

(3) There is data scatter with occasional outliers. Some of the scatter may come from QF
measurement difficulties, but local material differences can also play a role, especially
when the cracks are small and extend through only a few grains [25]. This point is
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illustrated by Figure 5, which is a fractograph for a small fatigue crack in a large-grained
aluminium alloy. The fractograph shows significant local variability in the FCG rate for a
block of CA R = 0.7 cycles applied between blocks of 5000 CA R = 0.1 cycles, all with the
same maximum load.

N.B: although differentiation to obtain Figure 4 reveals data scatter, comparison with Figure 3
shows that the log crack size versus linear life plots for each crack are stable. This is a common
observation, see for example Figures 6 and 16 in [26]. Differentiation to obtain FCG rates
accentuates quite small differences in the progression of crack growth. This can be useful for
detailed analyses of crack growth but is not relevant to the DSTO lead crack lifing method,
which uses log crack size versus linear life plots.

s \ &

S e N \‘. s

Figure 5:  An example of material-related FCG rate variability from the fracture surface of an
AA7050-T7451 aluminium alloy specimen at about Imm in depth. The band from lower
left to top right was formed by a block of CA R = 0.7 cycles applied between blocks of 5000

CA R =0.1 cycles, all with the same maximum load. Note the width variation of the band
at the two arrowed positions.

£
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4.2 A note about FCG "laws"

The approximately exponential FCG behaviour of lead cracks under VA load histories is not a
"law" but an empirical relationship, albeit