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1. BACKGROUND

This in-house research project was initiated in January 2000 at the request of Air Force
Research Laboratory’s Operational Space-lift Office (ORS) to re-establish the capability to
analyze and assess reusable access to space systems. This would enable the directorate to
identify and address technology deficiencies that limit the Air Forces ability to achieve the
required capabilities to support our national defense needs.

The design and assessment of reusable launch systems requires multiple disciplines; therefore,
multiple organizations were requested to support the Reusable Military Launch Systems
(RMLS) team. These organizations included the Air Vehicles Directorate, Propulsions
Directorate, Human Effectiveness Directorate, the Air Force Flight Test Center (AFFTC),
NASA Kennedy Space Center (KSC), NASA Marshal Space Flight Center (MSFC), NASA
Johnson Space Center (JSC), NASA Langley Research Center (LaRC), the 45 Space Wing,
the 30™ Space Wing, the Space and Missiles Center (SMC), and the Aeronautical Systems
Center (ASC). These organizations were united by the objective to develop a common
assessment capability that all would support.

Funding for this project was provided by a combination of AFRL and the organizations
performing the work. Therefore, the papers and reports typically had joint sponsorship. The
AFRL/RB in-house sponsorship of this project ended in September of 2007 with no efforts
being supported by AFRL/RB in 2008.



2. APPROACH

The primary objectives of this effort were to develop the ability to quickly assess access to
space systems in terms of performance and operational capability (reconstitution times) in
order to determine technology deficiencies and make configuration and technology
development recommendations. The sizing and performance objectives were achieved by
developing unified analysis software by (1) using parametric geometry to approximate the
configuration to be assessed, (2) teaming with domain experts, (3) using verified system
sizing algorithms, (4) integrating analysis software, and (5) adding additional capability over
time. The challenging task of estimating the operational capability of the systems was
accomplished by collaborating with the experts and by performing assessments using a
variety of software that evolved over time.

The unifying analysis software (Integrated Propulsion Tool (IPAT) maintained by AFRL/RZ)
utilizes the Adaptive Modeling Language (AML) created by TechnoSoft Inc. AML was
selected by AFRL because it allows geometry to be created from user selected parameters and
it easily interacts with the external analysis software that team domain experts selected.

Typically, NASA, industry, and other government organizations take weeks to assess one
configuration, so the first huge challenge was to select an approach that would enable quick
assessments.  This was achieved by deciding to approximate the geometry of the
configuration to be assessed and avoid exact geometry sharing. The approximate geometry
parameters were linked to parameters in the system sizing algorithms such as fuselage length,
wing span, and so on. Because analysis software such as aerodynamics and aero-heating are
based upon geometry, this allowed the rapid transition from empirical estimates to
computational analysis. Older approaches pass IGES geometry files. IGES geometry does
not maintain links with the sizing algorithms, so the links had to be recreated every time;
therefore, assessments using IGES geometry took considerably longer to complete and
required a great deal of effort for each assessment.

The decision to team with exerts from around the country solved several problems. It
eliminated the need to develop and main local expertise, it encouraged information sharing,
and it helped the dispersed teams to unite together instead of competing. This teaming was
critical in developing the system sizing algorithms and supporting several national
assessments such as the NASA and Air Force “One Team”.

Most of the systems sizing algorithms are based upon the NASA LaRC CONSIZ software;
however, each algorithm was reviewed by AFRL and ASC. During the review process,
physical relationships were developed to validate them and increase their fidelity. These
physical relationships gave the analyst additional insight into the parameters that drive the
system mass properties. By understanding and documenting these algorithms, they were
easily integrated into the IPAT environment and into other software packages that were
developed later.

The sizing and performance analysis software initially used included Missile Dat Com and
SHABP for aerodynamics, POST Il for trajectory analysis, MINIVER for aero-heating, and



EXITS for TPS sizing. These software codes are widely used by the Air Force, NASA, and
industry.

Operational capability estimates began by discussing flight and ground operations with NASA
Johnson Space Center, NASA Kennedy Space Center, the 30" Space Wing, the 45" Space
wing, and the AFFTC. All of these organizations expressed their concerns, recommendations,
and provided data that was used in creating turn-time estimates. These estimates initially
came from “black boxes” like the “Vision Spaceport” software developed by NASA and
AFRL. The results provided no real insight in how to make significant reductions in turn-
time, so they were replaced with other approaches as data became available. Several software
codes worked very well such as Microsoft Project and Arena. Arena is a discrete event
package that was used very successfully by NASA KSC and ASC/XP to support the RMLS
team. It formed the foundation behind many of the other software packages that NASA as
developed such as GEM-FLOW.

All of the above approaches and software has been used in a variety of ways since the RMLS
effort first began. ASC/XP used many of the algorithms to create other approaches software
codes using Phoenix Integration’s Model Center software and Astrox Corporation’s HySIDE.



3. RESULTS

The assessment capability was used by the Air Force to support NASA’s Next Generation
Launch Technology, NASA One Team, and an SMC lead Analysis of Alternatives (AOA).
These assessments contributed to the Air Force taking the lead in reusable launch system
technology development and NASA returning to expendable launch systems (Constellation
Program). The AOA was instrumental in the creation of the ARES and FAST programs along
with their associated technology development programs.

Specific uses of the assessment data are: (1) 6 DOF simulation development by the Flight
Controls Division (RBC) and the Integrated Adaptive Guidance and Control effort, (2)
Thermal Protection System (TPS) development by the Structures Division (RBS), (3) engine
development by the Propulsion Directorate (RZ), (4) analysis software development and
hypersonic programs by NASA LaRC, (5) technology development decisions by the Air
Vehicles Directorate, and (6) system development recommendations by ASC/XR. The
references and papers in the Appendixes provide details on much of this work.

The design environment approach is discussed in Appendices A and B though the papers
“Toward An Integrated Modeling Environment For Hypersonic Vehicle Design and
Synthesis” and “Collaborative Design Environment for Space Launch Vehicle Design and
Optimization”, respectively.

System comparisons were made in Appendices C, D, and E though the paper “Weight Growth
Study of Reusable Launch Vehicle Systems”, Comparative Analysis of Rocket and Air-
Breathing Launch Vehicles”, and “ Cost Comparison of Expendable, Hybrid, and Reusable
Launch Vehicles”, respectively.

Turn-time capability analyses were made in Appendix F in the paper “A Discrete-Event
Simulation of Turnaround Time and Manpower of Military RLVs”. This paper gave AFRL
an estimate of the required effort and resources required to maintain and operate an RLV.

The impact that flight operations can have on required technologies and the resources to
operate a reusable booster were made in the Appendix G paper “Thermal-Based Comparison
Between Rocket Boost-Back and Jet Fly-Back Booster Recovery Approaches”. The research
accomplished to create this paper prompted AFRL to invest further into the Rocket Boost-
Back approach. This approach was later accepted by SMC and is being used in the FAST
program.

The ability to perform TPS technology assessments and optimization was highlighted in the
Appendix H paper “Thermal Protection System (TPS) Optimization”. This is approached
used in the design environment today.

Finally, the acoustic interaction of the launch vehicle and launch pad at launch was
analytically and experimentally researched at NASA KSC. This work created many papers
that collimated in the Appendix | paper “Noise Mitigation of Ducted Supersonic Jets for
Launch Exhaust Management Systems”.



All of this work combines to make a very successful and productive in-house effort that
enables the Air Vehicles and Propulsion Directorates to maintain a leadership role in

assessing and performing technology development for Operationally Responsive Space-lift
systems.
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ABSTRACT

The US Air Force Research Laboratory, along with its
contractor partners, is developing an integrated modeling
environment for the conceptual and preliminary-level design
and synthesis of airbreathing, hypersonic vehicles. This
effort is built on the team’s successful prototype of a similar
environment for rocket-powered space access vehicles. The
modeling environment under development will begin by
developing a 3-4 level deep hierarchy of objects that
represent a hypersonic vehicle. Initially, these objects will
contain only conceptual-level representations of the
geometry and mass properties of the vehicle and its
components. This initial information will be used with a
vehicle synthesis routine to develop a “closed” conceptual
design. The second step in the design process is an initial
analysis of the aerodynamic and propulsive characteristics
of the vehicle. These analyses will be conducted in the
environment and the geometric model developed in the
initial hierarchy of objects will be of sufficient fidelity to
support these analyses. Next, the mass properties,
aerodynamic and propulsion analysis results will be used by
a trajectory simulation code, also integrated into the
environment, to determine if the initial vehicle design will
meet the mission performance requirements. Finally, the
results of the trajectory simulation will be used to iteratively
resize the vehicle until the mission requirements are
satisfied. Additionally, this paper will describe the modeling
environment used for this effort, lessons learned from the
development of the environment for rocket-powered
vehicles, and the next steps planned to expand the
capabilities of the integrated modeling environment.

INTRODUCTION
The US Air Force has a renewed interest in investigating
airbreathing hypersonic vehicle concepts to meet its needs
for future strike and reconnaissance systems [1]. In addition,
NASA is continuing its investment in hypersonic
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airbreathing propulsion systems and vehicle concepts for
space transportation applications. In recent years, these
interests have been exemplified by NASA’s X-43 (Hyper-X)
program [2] and the Air Force’s HyTech (Hypersonic
Technology) program.

Like all engineering organizations, the Air Force Research
Laboratory is interested in conducting its vehicle and
technology forecasting studies as quickly as possible, with
as high fidelity an analysis as is feasible and with a proven,
repeatable design and analysis process. The approach that
the Air Force Research Laboratory team has taken is to
integrate its design, analysis and modeling tools into a
collaborative, network-distributed design environment.

The benefits of using an integrated design environment to
reduce the time and potential errors associated with the
transfer of data between design and analysis codes are well
documented [3, 4]. This paper will present the initial steps in
the development of an integrated modeling and analysis
application for hypersonic airbreathing vehicles. This
application will be developed using a modern knowledge-
based engineering environment and will incorporate the
lessons learned from the development of a similar
application for rocket-powered space access vehicles [5].
Furthermore, the current effort will demonstrate a
significant reuse of much of the software that was developed
for the launch vehicle application.

ADAPTIVE MODELING LANGUAGE

For this effort, the Adaptive Modeling Language®
(AML™), developed by TechnoSoft, Inc., was selected as
the design modeling environment. AML is a framework for
Knowledge Based Engineering (KBE) that provides the
ability to capture the vehicle design and analysis process and
manage the data transfer between the various codes [6, 7].
The primary features of AML that led to its selection for this
project are: its use of object-oriented programming and the
Unified Part Model paradigm; its native understanding of
geometric objects and features; and its support for multiple,
simultaneous, network-distributed users.

Modeling Paradigm

The benefits of object-oriented programming (OOP) are
well understood. OOP both increases the developer’s ability
to reuse code that was previously developed, and simplifies
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the initial development of the code. The Unified Part Model
paradigm is an implementation of OOP in which the model
of a given component, the fuselage for example, contains all
the data about the fuselage. This paradigm helps ensure that
the various models of the fuselage are consistent across the
different disciplines.

To continue the fuselage example, this paradigm enforces
the connection between the geometric model and the mass
properties analysis. In the case of these disciplines, the mass
estimating relationships (MERs), which are used to
determine the vehicle’s mass properties, are highly
dependent on geometry (e.g., tank volume, fuselage surface
area), as well as the overall vehicle weight and mission
requirements. The Unified Part Model paradigm ensures that
all weight items will be tracked by allowing the MERs to be
included in the geometric objects. This can be visualized in
the model tree shown in Figure 1. In this rocket-powered
TSTO vehicle example, the tank-stack object contains both
the geometry of the tanks shown and the weight and CG
location of the tank.
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Figure 1: Unified Part Model Tree

In addition to being object oriented, AML has the ability to
manage the relationships between the objects. As the model
is being built; that is, as objects are being instantiated and as
formulas are being coded to associate the parameters of one
object with those of another object, AML is building a table
of dependencies between the objects and properties of the
model.

This “dependency tracking” is used to provide two
computational benefits. First, dependency tracking allows
AML to “smash” the values of all the variables that will
change because of a change in a parameter upon which the
variable is dependent. This feature means that the model
will always be consistent. Once two parameters are related,
the user can work with one portion of the model while not
worrying that he is working with old data from another part
of the model.

Related to AML’s implementation of dependency tracking is
its use of demand-driven computation. This feature means
that for any requested calculation, only the calculations that
are required will be computed, not the entire model. This
feature is useful for complex models. For instance, in the
fuselage model shown above, perhaps the tank geometry is
calculated as an offset from the fuselage geometry. In this
model, if the an aerodynamics engineer wanted to change
the fuselage diameter and determine the external

aerodynamic effects, the engineer would not have to wait for
the tank geometry to be recomputed (or perhaps even the
tank weights to be updated) because the aerodynamic
calculation only requires information about the fuselage
surface.

Geometric Modeling

In addition demonstrating the Unified Part Model paradigm,
Figure 1 also shows AML’s native geometric modeling
capability. Included with AML’s basic set of objects are
classes to support a wide variety of commercial geometry
engines. This feature means that geometric modeling is not
handled as just another discipline. AML has a native
understanding of solids and surfaces, can perform Boolean
operations and has support for automatic mesh generation.

This capability is most easily demonstrated by considering
AML’s integration with Unigraphics and MSC.Patran. One
of AML’s supported geometry kernels is Parasolid, which is
also the kernel for Unigraphics and MSC.Patran. This
implementation means that AML can perform all the
complex geometric calculations that are available in
Unigraphics while natively transferring that geometry to
MSC.Patran for meshing. Similar capabilities are available
or under development for a variety of common CAD
packages and commercial meshing programs.

Network-distributed (web-based) design modeling

The last major feature of AML that will be used for this
application is AML’s ability to allow multiple, simultaneous
users to collaborate in a single engineering environment,
even though they are distributed across a wide area network.
AML supports two modes of operation (distributed-user
collaboration and distributed-model collaboration), which
can be used separately or together depending on the needs of
the engineering team.

The distributed-user mode allows multiple users to interact
simultaneously with a single model tree. In this mode, there
is a single model that resides on a server with many users
who have client interfaces on their local machine.
Depending on the permissions granted, which can vary for
each user, the users can view the model, change the values
of model parameters, add objects to the model and even
allow other users to see their current view of the model. This
mode is useful for collaboration between engineers working
in the same discipline. For instance, a novice aerodynamicist
can receive help with the intricacies of a particular analysis
code from a more senior engineer.

The second mode, distributed-model collaboration, is more
useful for a multidisciplinary engineering project. In this
mode, each engineer has an AML model that is tailored for
his or her specific discipline. Then objects from the separate
models can be connected through a central Object Request
Broker (ORB). The use of an ORB allows disciplines to be
added as needed. It can also allow models to connect and
disconnect at will. This feature is useful for engineering
teams that are spread across time zones. One discipline can
start working; a second discipline can join (or rejoin) the
collaboration and send and receive updates to the common
objects; then the first discipline can disconnect from the
collaboration.

The capability for simultaneous collaboration amongst
multiple engineers will be useful for this project. Engineers
from at least five different cities, spread across the United



States will be participating in the development of the
hypersonic airbreathing vehicle design application.

ENGINEERING DISCIPLINES

The initial development of the integrated application will
concentrate on conceptual design and synthesis of
hypersonic airbreathing vehicle concepts. It is hoped that the
design environment can then be expanded to model the
preliminary and detailed levels of the development of a
hypersonic vehicle. The authors believe this development
strategy is feasible because of their experience with AML-
based applications that are being used to capture and
improve the detailed design of combustion engines [8].

Figure 2 shows the disciplines that are involved with the
development of hypersonic vehicles. The figure also
represents how the disciplines interact during the design
process. Displayed in blue are the five disciplines involved
in the conceptual-level synthesis of a hypersonic vehicle.
Then, following sufficient iteration among these disciplines,
the additional disciplines are added to refine the design of
the vehicle through further iteration and studies.

Geometric
Modsling
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Figure 2: Hypersonic Airbreathing Vehicle Design Structure
Matrix

For the effort documented here, the five disciplines that will
be integrated into the application are: geometric modeling,
aerodynamics, propulsion analysis (incl. flow path analysis),
trajectory simulation and mass properties analysis.
Additionally, this model development effort will take
advantage of the inherent model and software reuse
capability provide by AML’s implementation of the object-
oriented programming paradigm. This project will benefit
greatly from the previous development of a design modeling
application for rocket-powered launch vehicles [5].
Specifically, the aerodynamic analysis and trajectory
simulation applications that were integrated for use on the
previous effort will only require minor modifications to be
applied to this application.

Synthesis and Geometric Modeling

The first step in developing a hypersonic vehicle design is to
choose two configuration parameters, the vehicle class (e.g.,
2-D  lifting body, waverider, inward-turning or
axisymmetric) and the design Mach number. Once these
decisions are made, basic aerodynamic principles [9] can be
used to define an initial propulsion flow path.

For the initial vehicle configurations that will be modeled in
this effort, the FloGeo code from Boeing Rocketdyne will
be used to generate propulsion flow path parameters for a 2-
D lifting body configuration. FloGeo is method of
characteristics based application that has been developed in
Microsoft Excel. The application determines the necessary
angles, lengths and other geometric properties of the inlet to

end up with a “shock-on-lip” condition for the inlet flow at
the specified design Mach number.

The next step in the design process is to develop an outer
mold line (OML) model of the vehicle that is suitable for
use with computational aerodynamic techniques. For this
effort, a parametric OML model will be developed using
AML’s native geometric modeling capability. The process
described here is for the 2-D lifting body class of vehicles,
although a similar process could be used for the other
classes of hypersonic vehicles.

The authors took this approach based on their previous
experience with design modeling efforts for aerospace
vehicles. They have found that developing different AML
objects for different types of configurations is preferable to
trying to develop a single parametric model capable of
modeling the complete range of possible hypersonic vehicle
configurations.

The first step in developing the OML is to model the
propulsion flow path (i.e., keel line and cowl) as a set of
parametric curves. The parameterization of these curves will
match the output of FloGeo and may be used with an
optimization procedure to improve the vehicle’s
performance at “off-design” Mach numbers.

Next, these curves are “extruded” to model the lower surface
of the vehicle. The width of this extrusion will be
determined from required internal volume of the vehicle.
This required volume will be estimated initially, then
verified by a mission and trajectory simulation.

Following the development the model of the vehicle’s lower
surface, a similar procedure is used to model the vehicle’s
upper surface. That is, first, a parametric curve is developed
to control the shape of the upper surface, then that curve is
extruded to create the upper surface model. The difference
between the development of the upper surface and the lower
surface is that the upper surface is designed solely based on
aerodynamic and internal volume considerations, while the
lower surface is strongly driven by its impacts on the
performance of the propulsion system.

The last major step in developing the geometric model of
the OML is to connect the upper and lower surfaces. This
will be accomplished using the parametric surface modeling
technique that was developed in AML for modeling
aerospace surfaces. An example of this technique, used to
build a parametric fuselage model, is shown in Figure 3.
This fuselage geometry was built using two kinds of related
profile objects termed “u” and “v” curves. These profile
curves are controlled parametrically to shape and size each
cross-section and the surface’s behavior between the cross-
sections at specified intervals. The external surface is then
modeled as a nurb-surface that connects the various points
that make up each profile curve.

For the OML of the 2-D lifting body class hypersonic
vehicle, this profile curve paradigm will be used to connect
the upper and lower surfaces. First, the edge of the upper
and lower surface will be selected as the first and last v-
curve for the side surface. Then points will be selected along
each curve to form the starting points of a number of u-
curves. Next, the u-curves will be developed freehand or
with a simple mathematical formula. Finally, intermediate v-
curves will be formulated or sketched freechand and the
complete side surface will be automatically determined from
these construction curves.



Figure 3: Fuselage Geometry Object

The final step in developing the geometric model, which
will be used for computational aecrodynamic and propulsion
analysis, is adding control surfaces to the basic 2-D lifting
body shape. There are two types of control surfaces that
need to be developed, lifting surfaces and surfaces to control
the propulsion flow path.

The models of the lifting surfaces (i.e., horizontal tails,
vertical tails and canards) are developed in the same manner
as the geometry model shown in Figure 3. Except in this
case, the u-curves are airfoil sections and the v-curves are
used to define the taper and twist of the lifting surface.
Then, once the basic lifting surface has been modeled, it can
be positioned relative to the 2-D lifting body shape and
trimmed or joined to make a complete “watertight” surface.

To develop propulsion flow path control surfaces (e.g., a
moving cowl lip or a moving inlet door for the turbine
engine flow path of a TBCC engine), the OML that was
generated by using basic aerodynamic principles, the
FloGeo code in this case, must be modified.

Two methods are available to modify the OML. One option
is to use Boolean operations on the OML. Using the cowl lip
as an example, the process would require cutting the cowl to
create the moving lip geometry; rotating the lip it to the
desired angle; then trimming, extending and joining the
rotated cowl lip to the remaining fixed portion of the
original cowl. While this method is effective, and is
commonly used by the aerospace industry, the method does
not easily lend itself to design automation or optimization.
The author’s preferred method is to include parameters for
these moving propulsion flow path surfaces in the original
flow path curves that were modeled in AML. Then, a design
model can be developed to automatically regenerate the
lower OML surfaces when the parameters that change the
propulsion flow path are varied. For the cowl lip example,
the procedure would be generating a new cowl curve,
extruding that curve to create the cowl surface and
modifying the engine sidewalls to attach the cowl to the rest
of the vehicle.

Mass Properties Estimation

The second discipline that is needed for the conceptual
design and synthesis of a hypersonic vehicle is mass
properties analysis. For this project, the authors have taken
two approaches to integrate mass properties analysis into the
design environment. The first, and simplest, method is to
link an Excel spreadsheet-based weights model to AML.
The second, and preferred, method is expand the AML
geometry objects that were developed in the previous
section so that these objects contain properties, objects and
methods that will calculate estimates of the object’s mass
properties.

Spreadsheet-based Weights Model

The spreadsheet-based weights model that was used for this
project was developed at the NASA Langley Research
Center. This model consists of a main, system-level sheet
with links to five discipline specific sheets (i.e., propulsion,
structures, subsystems, landing gear and the thermal
protection system for the airframe). The main sheet is the
only one that needs to be linked to AML, with the other
sheets being connected through the main spreadsheet.

The main, system-level spreadsheet takes two types of input,
geometric parameters and design parameters. The geometric
parameters will come from the OML model that was
described in the previous section. Examples of the geometric
information that is needed as inputs to the mass properties
spreadsheet are: vehicle internal volume; wetted and
planform areas for the fuselage and tails; surface areas
covered by the various types of thermal protection systems
(TPS); fuselage length; and combustor length.

The second type of inputs that are needed for mass
properties analysis are determined either from mission
requirements or from other, non-geometric, design
decisions. Examples of these design inputs are: payload
weight and volume; number and thrust level of the rocket
engines, if needed for single stage to orbit vehicles; TPS unit
weights, which are based on the type of TPS selected;
vehicle design g-limit; and propellant fraction required.

Once the input design parameters and geometric parameters
are determined, a set of mass estimating relationships
(MERs) is used to determine an initial estimate of the mass
properties of the vehicle. For this project, the team will use
two types of MERs; one type based on component geometry
and a second type based on system similarity.

An example of a geometry-based MER is Equation 1. This
equation estimates the weight of the vertical tail based on
the surface area of the tail. This equation was developed by
fitting a curve to the historical data shown in Figure 4.
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Figure 4: Vertical Tail Weight vs. Area

An example of the system similarity type of MER is the one
used to estimate the mass of the vehicle’s electrical system.
In this case, the team estimated that the weight of the
electrical system power supply will be 770 Ibs, because that
is the weight of the system on the Space Shuttle.

While some MERs, like the two examples presented above,
are explicit, other MERs require and implicit solution
method. For instance, the MER for the landing gear mass



strongly depends on the overall vehicle weight, which in
turn is weakly dependent on the landing gear mass. This
type of relationship leads to the need for an iterative process
to ensure that the sized vehicle has a consistent set of mass
properties.

The iteration process used with the spreadsheet-based
weights model is based on determining a photographic
scaling factor that makes the internal volume available
match the internal volume required. This process requires
the extra step of estimating component volumes as well as
masses. The volume estimates are developed using a set of
relationships that are conceptually similar to the MERs
described above. The result of the iteration process is a
scaling factor that can be used to scale or redraw the
geometric model described above.

AML-based Weights Model

The major limitation of the spreadsheet-based weights
model is that it is limited to photographic scaling of the
vehicle that was created using the geometric modeling
process. A few of the potentially useful vehicle changes that
photographic scaling does not allow are: changing the
vehicle’s length and width independently (e.g., constraining
the vehicle’s length or width) or modifying the vehicle’s
upper surface shape to change the volume while keeping the
vehicle’s planform fixed.

The photographic scaling limitation will be eliminated in the
second mass properties estimation method, the AML-based
weights model. In this model, the mass estimating
relationships will be incorporated into the geometric objects
that were used to develop the OML model and geometric
objects used to model the subsystems and internal
components. This model will take advantage of AML’s
unified part model paradigm that was described above and is
shown in Figure 1.

The major difference between the AML-based weights
model and the spreadsheet-based weight model can be seen
by examining the implementation of the vertical tail weight
MER shown in Equation 1 above. In the case of the
spreadsheet-based weights model, to calculate the vertical
tail weight, the tail area (or the tail span and chords) must be
extracted from the AML-based geometry model of the OML
and input as parameters to the spreadsheet. However, in the
AML-based weights modeling approach, a property called
mass is added to the AML object that was already developed
to model the geometry of the vertical tail. This new property
can be programmed to calculate the weight of the vertical
tail using the tail area or other parameters that are already
available in the vertical tail object. These parameters are
already available because they were needed for the
geometric model.

The vertical tail weight model also exemplifies the paradigm
that the methods for calculating the weights of each
component of the vehicle will be developed as part of the
object that also contains the top-level, conceptual geometric
information about vehicle. Note however, that the fidelity of
the geometric model and mass properties calculation may
vary from vehicle component to vehicle component. For
instance, the power system may be represented by boxes of
fixed volume and weight, while the landing gear model may
be made up of many additional geometric pieces (i.e., tires,
brakes, struts, etc.) and have a complex MER based on
takeoff weight, landing speed and runway surface.
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Once MERs are integrated with a sufficient number of the
AML objects to represent all of the major weight items, an
iterative procedure must be developed in AML to ensure
that the MERs are consistent. Like the spreadsheet-based
weights model, this iteration will involve changing the size
of the vehicle. However, because the mass properties
estimate is tightly tied to the geometric components, design
engineers will be able to develop more complex sizing
routines. For instance, tail areas could be sized based on
stability considerations and the vehicle’s width could be
constrained to accommodate an integer number of fixed
sized airbreathing engines. This flexibility should allow the
design team to synthesize feasible vehicles more easily.

Propulsion Flow Path Analysis

The bulk of the effort associated with this project will be the
integration of ramjet and scramjet design and analysis tools
into the AML environment. The first decision that needs to
be made is what fidelity of propulsion flow path analysis is
needed for conceptual-level design and synthesis of a
hypersonic vehicle. Above, we described the FloGeo code,
which will predict the on-design performance of the
propulsion system. While this may be sufficient for the
synthesis of cruise vehicles, a better prediction of the
vehicle’s off-design performance is needed for the design of
accelerator configurations for access-to-space applications.

For this effort, the low-fidelity method that the authors have
chosen to determine the performance of propulsion system
is a combination of three codes. Together, Rocketdyne’s
FAST code, along with MCIA and L1IA from Lockheed
Martin, provide tip-to-tail analysis of the propulsion flow
path. MCIA will analyze the vehicle’s inlet from its nose to
the beginning of the isolator, FAST is an “engine deck” that
will model the isolator and combustor, while L1IA will
complete the analysis from the end of the combustor through
the nozzle.

In addition to integrating these codes into AML, objects and
methods will need to be developed to ensure that the flow
conditions are consistent between MCIA and FAST as well
as between FAST and L1IA. Finally, an AML procedure
will be developed to create a table of propulsive forces and
moments at various flight conditions (i.e., Mach Number,
dynamic pressure and angle of attack). This table is needed
for use with the trajectory simulation tool.

An alternate method was considered for calculating the off-
design performance of the propulsion system. This method
has two advantages. First, it is a single analysis code and
second, it was already integrated into AML under a previous
effort. The code that was considered is SRGULL [10] from
NASA'’s Langley Research Center.

SRGULL uses the same approach for analyzing propulsion
flow path as was described above. Namely, the flow path is
divided into a forebody/inlet region, a combustor section
and the nozzle. In SRGULL, the program is divided into
subroutines to handle each section as opposed to the
separate codes that were described above. As for the fidelity
of the code, the calculations in the forebody/inlet and nozzle
regions are 2-D or axisymmetric with 3-D corrections and
the combustor flow is calculated using a 1-D method.

The inputs required by SRGULL are the flow path
geometry, the flight conditions, fuel type and throttle setting.
When the code was integrated with AML, a user interface



was also developed. A sample of the user interface is shown
in Figure 5.
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Figure 5: Example of the User Interface for Keel Line

Modeling for the SRGULL Analysis Code

Even though SRGULL was already integrated into AML, it
was not used for this project. This decision was made
because the team was not comfortable with the code,
whereas the team has extensive experience with the other
codes described above. The authors have found that this
situation occurs often. Typically, engineers have invested a
considerable amount of time and effort in learning and
improving the software tools that they use regularly and they
are not willing to change software just because it is already
part of an integrated process. The authors believe that each
organization’s design process is unique and that any
integrated design environment must be tailored to support
the process that already exists within an organization.

Aerodynamic Analysis

The next discipline considered, aerodynamic analysis, does
allow the authors to take advantage of codes that were
previously integrated into AML. For this effort, the team
was comfortable with using Missile DATCOM [11],
PANAIR [12] and S/HABP to determine the conceptual-
level aerodynamic characteristics of the vehicle. Missile
DATCOM is a semi-empirical code that can determine the
forces and moments on a cylindrical or nearly cylindrical
body, with small protuberances and axisymmetric finsets,
over a wide range of Mach numbers. Some error will occur
in using Missile DATCOM to analyze hypersonic vehicle
shapes, however the team will use PANAIR to correct the
calculation. PANAIR is a general-purpose aerodynamic
code that uses a linear panel method. PANAIR is capable of
determining the pressures on bodies and surfaces of
arbitrary shape at subsonic and supersonic speeds. The final
aerodynamic code that will be wused is S/HABP
(Supersonic/Hypersonic Arbitrary Body Program). S/HABP
uses first order methods to calculate the pressures on
arbitrarily shaped bodies and lifting surfaces at supersonic
and hypersonic speeds.

Along with integrating these codes into AML, a limited
visualization capability has also been developed in AML.
For example, Figure 6 shows a simple plot of aecrodynamic
data and Figure 7 illustrates a typical body pressure
distribution.

The final step in developing the aerodynamic analysis
objects for hypersonic vehicles is implementing a method
for determining or describing which portions of the OML
are associated with the propulsion flow path and which areas
are outside the propulsion flow path. This is very important
for hypersonic vehicles because of the vastly different

11

analyses that are used in each area. For instance, for a 2-D
lifting body shape, the pressures, forces and moments on the
entire lower surface of the vehicle are calculated using the
propulsion analysis tools and the loads on the sides and
upper surface of the vehicle are determined using regular
aerodynamic analysis tools. Finally, the forces and moments
on the external sidewalls and cowl of the engine need to be
calculated by either the propulsion or aerodynamic analysis
tools. Ultimately, what is needed is a procedure for
determining a single set of resultant aeropropulsive forces
and moments that vary as a function of flight condition and
engine throttle setting.
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Figure 6: Cq for a Typical Wing-Body Vehicle as a Function
of Mach Number as computed by Missile DATCOM

Figure 7: Pressure Distribution on a Fuselage as Predicted
by PANAIR

Trajectory Simulation

The final discipline needed to “close” the design of a
hypersonic vehicle is trajectory simulation. Trajectory
simulation is used to determine and verify that the amount
of fuel available in the vehicle is sufficient perform the
desired mission (i.e., cruise a specified distance or accelerate
to a desired staging point).

The trajectory simulation is used in an iterative process to
determine the final, “closed”, conceptual design. An
iterative process is needed because the fuel fraction is a
required input to the mass properties analysis. The vehicle
closure process that will be used this hypersonic vehicle
sizing application is:

1. Guess a required fuel fraction for the vehicle.

2. Specify a design for the propulsion flow path and
OML of the hypersonic vehicle. (Note: both steps 1
and 2 are highly dependent on the design
engineer’s experience and personal preferences.)

3. Calculate the vehicle’s mass properties based on
the geometric model, the fuel fraction required and
other mission parameters. (Remember that another
iterative process is needed here to ensure that the
MERs are consistent.)

4. Calculate the aeropropulsive forces on the vehicle
for the flight conditions of interest.



5. Use a trajectory simulation code to calculate the
fuel fraction that would be required for this vehicle
to perform the desired mission.

6. Compare the results of step 5 with the guess from
step 1 to determine if the fuel fraction required is
consistent for this vehicle. If not, modify the
vehicle’s OML from step 2, adjust the guess of the
fuel fraction required and repeat the process. (Note:
depending on the type and magnitude of the
changes to the OML, the aeropropulsive force
calculations from step 4 may not need to be
repeated.)

For this effort, two commonly used trajectory simulation
and optimization codes, POST [13] and OTIS [14], will be
considered. Both POST and OTIS have been integrated, to
some level, in AML under previous efforts.

The methods that were used to integrate POST and OTIS
exemplify the tradeoffs that are possible in all code
integration problems. The main consideration that needs to
be made when planning a code integration project is how
much of the original functionality of the code will be
available to the user of the integrated design application.
Typically, as more functionality is made available in the
integrated application, more discipline specific, or code
specific, experience is required of the user. However,
limiting the functionality of the integrated code usually also
limits the range of designs that can be examined and limits
the code reuse benefits of the object oriented programming
paradigm.

Under previous efforts, POST was integrated using a
“variant” approach, while the integration of OTIS was more
comprehensive.

The variant approach required that a trajectory simulation
engineer develop a complete simulation input file for the
problem using existing procedures. Then, the engineer
identified which parameters and data tables would change
(and could change) when the baseline vehicle is redesigned.
Finally, a method was developed to create a new input file
for the simulation code by automatically changing the few
parameters and tables that were previously identified.

A more comprehensive level of integration was developed
for the OTIS 3.0 simulation code. The goal of this
integration was to ensure that the complete functionality of
the code was available in the integrated application. For
OTIS, this also required the creation of a complex user
interface. This is because the code has many settings
available and these settings may be changed in each phase of
the input. Note: phases can refer to changes in flight
objective (e.g., minimum time climb or best altitude cruise)
or changes in vehicle configuration (e.g., after launch
vehicle staging or after weapons release).

Because of the complete level of integration of OTIS, it was
expected that the main user of this portion of the integrated
application would be an experienced OTIS user. For this
reason, the developers chose to develop the user interface in
pages that correspond to sections of the OTIS input file. A
portion of the main user interface form is shown in Figure 8.

Furthermore, the AML programmers developed a basic
online help interface for OTIS. The main feature of this help
system is easy access to the definitions of the variables that
are defined in OTIS. The developers have found that the
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cryptic abbreviations used by OTIS are one of the main
concerns for new OTIS users. A sample of this help
interface is shown in Figure 9.
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Figure 8: Main User Interface Form for OTIS in the
Integrated Application
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The final significant part of the OTIS integration project was
the development of a simple trajectory plotting object. This
plotting object was developed mainly for use by the
experienced OTIS user while debugging their setup of the
trajectory simulation. A sample plot that was created using
this capability is shown in Figure 10.
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Figure 10: AML Trajectory Plotting Example

Based on their experience with these two integration efforts,
the authors hope that a “happy medium” between the two
approaches can be found. The POST integration is too
limited and the OTIS integration exposes functions of the
program that are very rarely, if ever, used for the simulation
of hypersonic, airbreathing or rocket-powered launch or
cruise vehicles. The team hopes to develop a user interface
that is both robust and relatively easy to use by an engineer
who is new to the trajectory simulation discipline.

INITIAL APPLICATION

The authors are currently working with two different
hypersonic, airbreathing vehicle configurations. One
configuration is a 2-D lifting body class vehicle, similar to
NASA’s X-43 (Hyper-X) configuration, shown in Figure 11.
The second configuration is an axisymmetric, rocket-based
combined cycle (RBCC) powered, SSTO vehicle, similar to
the GTX configuration [15], shown in Figure 12.




Figure 11: Hyper-X Configuration

Figure 12: GTX Configuration

The geometric modeling efforts have been split between the
two configurations. As mentioned above, many distinct
OML modeling objects were developed for each
configuration because they are such significantly different
configurations. Also, the MERs that are integrated with the
geometric objects will have to be tailored for each
configuration.

For instance, the fuel tank models for each configuration
will be significantly different. For the 2-D vehicle, the tanks
will be conformal. That results in a more complex geometric
model, even at the conceptual-level, and a MER which will
estimate that the conformal tank is heavier than a cylindrical
one for the same surface area, volume and/or pressure.
However, for the axisymmetric vehicle, the fuel tanks will
be mostly conical. These tanks can be modeled with simpler
geometric objects and require MERs that predict a tank that
weighs less than the conformal tank for similar design
conditions.

For the other disciplines (i.e., propulsion flow path analysis,
aerodynamic analysis and trajectory simulation), most of the
author’s effort to date has concentrated on the 2-D lifting
body configuration. This decision was based on the author’s
previous experience in modeling these configurations as
well as the availability of analysis codes and experimental
results for configurations of this class.
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CONCLUSIONS

This effort has resulted in an integrated design modeling
application for the conceptual-level design and analysis of
hypersonic airbreathing vehicle configurations.
Additionally, the authors believe that this application can
form the basis of a more complex design environment that is
capable of refining the design of hypersonic vehicles to the
preliminary level.

To be called a preliminary-level design and analysis
application, additional disciplines are needed. Specifically,
two disciplines, aerothermal analysis and finite element
structural analysis, are needed to provide physics-based
mass properties information. Aerothermal analysis will
provide the temperatures and heat fluxes to which the
vehicle will be exposed during its mission. This information
can then be used to size the thermal protection system of the
vehicle, which makes up a significant portion of the total
vehicle weight. Ongoing efforts [5] could be expanded to
integrate aerothermal analysis tools into AML. Finite
element methods (FEM) can be used to size the main
structural components (including the tanks) based on the
loads they will see during a mission. The weights of these
size components can then be estimated more accurately. The
integration of FEM into AML is being explored under a
separate effort [16].

Another discipline that is encountered during preliminary
design is flight control. The major tasks of this discipline are
the development of flight control laws, sizing of the
elements of the flight control system, and the development
of a six degree-of-freedom (6DOF) model of the vehicle.
Codes like MATLAB or MATRIXx are commonly used for
these tasks and because they are modern software products,
information can easily be linked between these programs an
AML.

Finally, higher fidelity acrodynamic and propulsion analysis
methods will be needed during the preliminary design
process to generate the pressures, forces and moments to
feed into the FEM and flight control disciplines.
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The design of a hypersonic cruise or space launch
vehicle is a large undertaking requiring the team effort of
many engineers having expertise in the areas of
aerodynamics, propulsion, structures, flight control,
performance and mass properties. As the design takes shape,
specidists are requested to design such things as the crew
station, landing gear, interior layout, weapons location, and
equipment installation. The completed vehicle design is a
compromise of the best effort of many talented engineers. It
should be clear that the design process is a complex
integration effort requiring the pulling together and blending Figure 1: Trans Atmospheric Vehicles
of many engineering disciplines.

Like al organizations, the Air Force isinterested in conducting its vehicle studies as quickly as possible
with as high fidelity an analysis as is feasible and with a proven, repeatable design and analysis process.
This research isin support of an approach formulated by engineers at Wright Patterson Air Force Base who
seek to integrate design and analysis tools into a collaborative, network-distributed design environment. The
benefits of using an integrated design environment to reduce the time and potential errors associated with
the transfer of data between design and analysis codes are well documented.>? This research presents the
integration of an initial set of space access and future strike vehicle analysis codes designed to improve the
entire conceptual-level design process and documents the advantages of using the tools in a collaborative,
network-distributed environment. This paper focuses on the design environment including geometry
modeling, object design, discipline interactions, and design tools built for this effort including weight,
propulsion, and trajectory analysis.

REUSABLE LAUNCH SYSTEMS

Both the US Air Force and NASA have indicated that next-generation reusable launch systems are
needed within the next few years. Indications of the area’ s high importance can be seen through funding of
projects like the X-33 and Hyper-X experimental launch concepts. At this stage of the study program,
similar technologies and vehicle concepts are being examined to meet both the space access and future
strike requirements. Consequently, rapid assessment of a Reusable Military Launch Systems is becoming
increasingly important. There is a large array of RMLS options and promising configurations must be
selected quickly for higher fidelity analysis. Furthermore al proposals must be analyzed uniformly using
the same base-lined analysis tools and objective constraints.
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The initial user of the web-based, collaborative application for launch vehicle design is the Air
Force's Reusable Military Launch System (RMLS) analysis team. The core of this team has members from
five different organizations that are located in four different buildings at two different bases. The team
focuses on capability assessment for both future strike and space access vehicles. The goal isto impartially
judge RMLS designs without restrictions on mode of operations. These modes include Horizontal Takeoff-
Horizontal Landing, Vertica Takeoff-Horizontal Landing, and Vertical Takeoff-Vertical Landing. The
team will also judge vehicle configuration options such as air breathing vs. rocket based propulsion and Two
Stage to Orbhit vs. Single Stage to Orbit.>* A better understanding of the RMLS design space will dictate
future areas of research and development needed to increase the viability of promising configurations.
Because of the distributed nature of the team, the initial method
used to conduct analyses was to pass files manualy via email
and a web site bulletin board. This system is sufficient for the
relatively small team. However it has obvious areas of
inefficiency in communication. Moreover there exists the
possibility of errors being introduced due to data translation and
loss of configuration control. An improved design and analysis
process was needed to prevent these potential errors and to allow
the RMLS team to efficiently interact with technology experts
from other government agencies, industry and academia.

The current vehicle under study is an in-house design of
afully reusable TSTO. The design (Figure 2) is a departure from
the Bimese concept of identical booster and orbiter stages
arranged “piggy-back” with an external payload mounted on the
orbiter. The in-house concept consists of a booster and orbiter
with a similar aeroshape but internal differences. Future vehicles
\ under consideration include a stacked (seria burn) version of the
Figure 2: Reusable Military Launch System  Bimese concept and an air-breathing design.

LAUNCH VEHICLE DESIGN ENVIRONMENT

The conceptual-level design process for hypersonic and space access vehicles is dominated by
geometric modeling, aerodynamics, aerothermodynamics, engine performance (air-breathing or rocket)
analysis, trajectory simulation, mass properties analysis and cost modeling. This process is shown in Figure
3 as a design structure matrix. A design structure matrix is used to graphically display the interactions
between the various disciplines in a design process. > Each block in Figure 3 represents a different analysis
code. These codes could be further associated with different engineers, different computers or even
computer platforms.

The process starts with a designer ...
formulating a possible outer moldline of —
the vehicle. This can be done anywhere
from a “back of the envelope” sketch to
lofted model in a CAD package. From \ y
the geometry, the aerodynamic, wromes! |
propulsion and mass properties anaysts | .
generate their models. Using the results 3
of these analyses, a set of trgjectories or | sscrone |
missions is smulated to determine if the ;‘*
concept  vehicle will  meet its o]
requirements. Then, from the results of
the trgectory simulation, an
aerothermoelastic analysis can be performed to determine the heating loads on the vehicle and subsequently

Figure 3: Design Structure Matrix
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size the thermal protection system (TPS) and internal structure. The TPS size affects the geometric model by
reducing the available internal volume for fuel and payload. Conventionally, this design cycle is repeated,
varying geometric parameters, until the size and shape of the vehicle converges to the smallest vehicle that
will perform agiven set of missions.

One of the well-known shortcomings of this process is that it takes far too long for the design to
progress to a point where operations, logistics and life cycle cost analyses are performed.® The long-term
goal of this research is to demonstrate that, by integrating al the launch vehicle design disciplines into a
collaborative design environment, the design data can be fed to the cost and operations disciplines sooner. In
addition, by capturing the design process, the results of these analyses can be fed back to the conventional,
conceptual design disciplines. By removing the manual data transfer steps, more design iterations can be
accomplished in the same amount of engineering time.

The current status of the project is that some tools for the geometric modeling, aerodynamic analysis,
propulsion analysis, trajectory simulation and mass properties disciplines have been integrated. Structural
weight and aerodynamic results are calculated directly from an initial geometry specification, with the total
weight being determined by adding the thermal protection system (TPS), propulsion system, payload and
propellant weights. These three disciplines (mass properties, aerodynamics, and propulsion) provide the data
that is needed by the trajectory simulation code to determine if the vehicle meets mission requirements
(altitude and inclination angle). Finaly, an iterative process is employed to vary the vehicle's fuel fraction
ratio, and consequently the overall size of the vehicle, to correctly size the vehicle and propulsion system for
a specified mission, or to determine that a specific vehicle class will not work for the required payload and
orbit.

The Adaptive Modeling Language

For this effort, the Adaptive Modeling Language (AML) developed by Technosoft Inc., was
selected as the design-modeling environment. AML is a framework for Knowledge Based Engineering that
provides the ability to capture the launch vehicle design and analysis process and manage the data transfer
between codes. It is by using the logical functions and calculationsin AML, to capture process knowledge
and design intent, that the significant timesavings in performing repeated analyses on a family of designs
can be achieved. Previous research has demonstrated this knowledge capture in AML models for structural
analysis and cost modeling. * The current version of AML has a wide variety of features that make it well
suited for developing applications to capture a complex, multidisciplinary design process® Perhaps the
most important and least unique feature of AML is that it is an object-oriented language. A consensus has
been reached in the software industry that object-oriented programming is vital for ease of software
development and reuse. By applying the object-oriented paradigm to engineering models, AML allows the
reuse of these models (objects). A well-formulated model will represent the component in general,
parametric terms. For instance, the 747 and F-16 have very different wing shapes and sizes, but both wings
can be represented by the same set of parameters (i.e., aspect ratio, root chord, taper ratio, airfoil section,
twist distribution, dihedral and sweep angle). By developing a wing model this way, the same object can be
used to model both aircraft.

A second important feature of AML (inherited from its Allegro Common LISP infrastructure) is its
hierarchical, dynamic part-model. This feature is what makes AML *“adaptive’; that is, models do not need
to be recompiled to change the object hierarchy. The subobjects can be added interactively or specified in
the definition of the class that was chosen for the top-level model (or in the definition of classes that were
added as subobjects). This capability also alows objects and their properties to be added, edited or deleted
independent of the order of instantiation. Included in the hierarchical structure is the Unified Part Model
paradigm. This paradigm allows the model of a given component, the wing for example, to contain all the
data about the wing that will be required by the various analyses. For instance, the wing model could
contain a panel aerodynamic model, which would be used for low-speed calculations; a finite-element
model of the wing box, which would be used for structural analysis; a second aerodynamic model that
includes control surfaces, which would be used for stability analysis; and a therma model, which would be
used to size the wing’' s thermal protection system.
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This modeling paradigm allows the model to grow as the design matures and new parts are created
or new analyses are required. By keeping all the design information in a unified model, the “bookkeeping”
of the data can be simplified. AML has built-in dependency tracking and demand-driven calculation
capabilities to assist in this data management. Dependency tracking is important for ensuring that each
discipline of the modd is working with the current set of design parameters. With a manual design or
configuration management system, it is easy for the various discipline specific models to get out of sync.
AML automatically builds and maintains a list of dependencies. This list is updated as the objects are
instantiated or deleted; or as the formulas associated with a property are changed. AML’s dependency
tracking also worksin the other direction. That is, AML maintainsalist of the properties that are affected by
each property. The demand-driven calculation feature is complimentary to the dependency tracking
capability. While the dependency tracking capability notifies all the parts of the model that have been
affected by a change in a design parameter, the demand-driven calculation feature ensures that the only
calculations to be performed are those needed for the current item of interest.

The last important feature of AML that will be covered here is the Graphical User Interface (GUI)
included in AML. AML provides the powerful ability to automatically generate GUI’s from an objects
coding, eliminating the need for a designer to specifically develop a GUI structure. When writing an object,
a developer specifies which parameters should be included in the user interface with only minor
modifications in the parameter classes used. AML builds the GUI's during runtime. This eliminates a
substantial volume of required coding from an object and reduces object development time. Additionally,
when a design is being run over a network, form information does not need to be transmitted because the
forms are part of an objects code, and generated on each individual client machine.

Collaborative design requires a distributed set of users running various analyses, possibly hundreds
of miles apart. Bringing together a set of analysis tools under a unified environment is only afirst step in
achieving a fully integrated collaborative environment. Because of the large number of disciplines, an
application would be extremely inefficient if limited to a single computer. A new feature being added to
AML, under an Air Force Dual Use Science and Technology program termed Web-Based Design
Environment (WDE) allows users to be distributed over a wide area network.” Users log into a server that
contains the vehicle model via a standard WDE browser. Vehicle geometry modification and analysis can
then be performed real-time over the network. The browser is platform independent and can access analysis
codes on any computer across the entire network. By allowing pieces of the model to reside on different
machines, each computer can specialize in a single discipline. This reduces the number of analysis codes
needed and can save money by reducing the required software licenses and simplifying the system
administration. The tool only passes parameter values of the model, which means that a high-fidelity
graphical model requires a very small bandwidth.”® Security and design configuration control issues are
addressed within the modeling environment.

DESIGN DISCIPLINES

Design begins with geometry or an array of geometric considerations. Preferably the geometry
object should be fully parametric, alowing the user to change shape into any other shape under
consideration. However, the author has found that a single geometric object capable of al design
configurationsis not desired. The large number of parameters (e.g. number of fuselage cross sections, cross
section geometries, cross section positions, wing type, and wing location) for a design forces a user interface
to be complicated and unwieldy. There are a number of design possibilities, creating a huge array of very
different vehicle designs. A series of parametric models tailored for each vehicle class (e.g. 2-D air-
breathing and rocket based lifting body) is being created as part of the ongoing RMLS research. Using only
afew parameters these models can be rapidly changed to any vehicle design within a given class. When a
desired vehicle falls outside a class, other classes may have to be used or built to accommodate the new
vehicle. A new parametric model takes about two weeks to create. The Bimese parametric vehicle class
developed in conjunction the RMLS team at WPAFB for the current research with the help of TSI is shown
in Figures 2, 8, 10, and 12. The model is able to be non-photographically stretched for vehicle sizing and
includes links to previously mentioned analysis tools. The geometry objects developed for this class will
also be used for future horizontally stacked configurations.
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Rocket Engine Design Code

A focus for any launch vehicle design is centered on the propulsion system. Engine selection
impacts severa crucia design decisions including fuel type and associated fuel tank selection. Fuel
fractions for SA/FS vehicles can be as high as 90% so fuel selection becomes a very important issue.
Hydrogen fuels have a higher ISP (a measure of the overall energy contained in arocket) but are less dense
and require cryogenic tanks. Hydrocarbon fuels require smaller fuel pumps that reduce the size and weight
of the rocket engine. Trade-offs for both fuel types require detailed analysis to determine the best fuel type
for a specific rocket configuration. The importance of the propulsion system requires a rapid rocket design
and performance analysis tool for vehicle modeling. The Parametric Rocket Model ™, developed at Wright
Patterson AFB, uses a historical data trend approach primarily taken from “Design of Liquid Propellant
Rocket Engines’.*?

The author chose to incorporate the simple Parametric Rocket Model into the AML environment
because of its simplicity and fast run times. Additionally it provides information required for other analysis
codes with aminimal input. The basic procedure for designing the propulsion system using the Parametric
Rocket Model is asfollows:

1. Select a specific rocket type and fuel, the characteristic velocity and combustor pressure, ratio of
specific heat, propellant flow per unit throat area and characteristic combustor length based on
previous engine designs are set.  This represents the performance level of the engine class.

2. Given the specified nozzle expansion ratio(s) and nozzle type (1 position, 2 position, or dual bell) a
nozzle thrust coefficient is calculated as a function of atitude.

3. Thrust at areference throat areais then calculated as a function of atitude.

4. Given the specified thrust at a specified atitude, a scale factor is calculated that is applied to the
reference thrust function to obtain the specified thrust.

5. Thescalefactor isaso applied to the reference throat areato properly scale the geometry.

= e

An example of how engine performance parameters are

1

2 ¥-1 cns
calculated are the equations used for exit nozzle pressure. The [y“j [pp—J
theoretical nozzle expansion ratio is calculation using Equation 1, where ot(Pe pens 1) = =
y is the specific heat for a given fuel type, pe is an assumed exit pressure y_ﬂb( Pe ] ¥ J
and pers is the chamber (nozzle stagnation) pressure for a given fuel. r=1L L Pens
This doesn’'t include boundary layer displacement correction, heat Equation 1: Theoretical
transfer or shifting y effects, but it is close to actual values. The exit Expansion Ratio

pressure is then calculated using Equation 2, where € is the desired

expansion ratio. Equations 1 and 2 are related to each other so aNewton-  pelz.pens.v) = mut(l . ! ,pe]
Rhapson iteration method is used for convergence. The iteration is = elpo.pers. )
performed on 1/e because it is more linear than €.

A plot of engine performance (given Different Nozzles Vs. Altitude
by thrust coefficient) for several nozzle
types vs. dtitude is plotted in Figure 4. The
plots are characteristic of typical engine
performance curves. The discontinuity in
the graph for the Space Shuttle Main Engine
(SSME) 150 2p (two position) nozzle is a
result of moving a secondary nozzle into
position at a specific atitude. The method
has been correlated with advanced LH-LOX
and RP-1-LOX engines. This simple model

Equation 2: Exit Nozzle Pressure

Thrust Coefficient

calculates thrust and Isp as a function of P i s ew' | ewt | wd | aw wd
atitude, weight and geometry of the engine Atitude ¢

based on thrust at a specified altitude, rocket — SSMEN  —— SSME1502p —— SSME1S00b

type, nozzle type (1-position, 2-position, or — - tamt o 581

dua bell nozzle), and expansion ratio. Figure 4: Engine Performance
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Simply changing one parameter such as fuel type can radically change the
engine geometry; Isp, thrust, and weight are also affected.

Weight Analysis

Weight analysis is a crucial aspect of RMLS design. Too much
vehicle dry mass and fuel fractions will never be high enough to get a
payload to orbit. Additionally, weight and aerodynamic parameters such as
G-loading, calculated from trgectory and aerodynamic analysis, drive
structural sizing. Figure 5: Engine Geometry

Weight analysis equations tend to be strictly proprietary information
tightly held by their parent organizations. Consequently no commercial off the shelf weight estimation
software was found that suited the RMLS design group. Weight estimation software should be simple, use
available information associated with the model and track the physics well. To build weight estimation
software, engineers at WPAFB compiled historical trends in launch vehicle design as away to predict future
vehicle designs. Data was compiled from Air Force Flight Dynamics Lab reports produced in the 1970's
and 1980’ s including the Space Shuttle, NASP and BETA vehicle,}3141216.17.18

N

Weight Estimation

The weight analysis software was written
directly into the AML environment, and highly coupled
with the geometry. Component weights are generaly 5000
calculated from a vehicle's gross weight, empty weight
or geometry (also a function of gross weight). For
example, Figure 6 plots the relationship of tail area with
tail weight. The relationship is almost linear for a
variety of vehicles. The vehicles used for this
comparison are the XB-70 Vakyrie (Mach 3 USAF
experimental bomber 1964-1969), STS (Space Shuittle), N
F-106A Delta Dart (supersonic USAF operational Tail Area
interceptor 1956-1960), B-58A Hustler (Supersonic
USAF Operationa Bomber 1960-1970), F-4 MK-2
Phantom (Supersonic USAF Operational Fighter 1965-
1992). The actua relationship used for the weights
equation (Equation 3) was chosen to match the Space Equation 3: Tail Weight Estimation
Shuttle data. Because this weights eguation is based on
geometry, which is based on gross vehicle weight, iteration of the overall vehicle is required to close the
vehicle size and weight calculations. Component weights can be known values, such as an electrical system
power supply that has been set at 770 Ibs based on Space Shuttle requirements. Setting a weight to a
deterministic value is equivalent to pulling a known power supply off the shelf and adding it to the model.
Component weights can also be a simple equation or expanded into geometrical objects depicting sub-
system placement. Components can be further broken down into constituent parts for increased model
fidelity. The basic procedure for calculating an overal vehicle weight using the system is as follows:

Guess the empty weight fraction

Calculate component weights based on initial guess

Sum the weights and determine difference in empty weight calculations
Size the vehicle and adjust the empty weight guess

Iterate until vehicle closure

6000

XB-70
4000 - o

3000
STS

2000 4

Verticle Tail Weight (Lbs)

B-58A

- o)
1000 { 1064

Figure 6: Historical Weight Trends

Weight = 5% Sit *® * 0.89

groNE

Once the weight estimation and sizing procedure are complete, the model is run through trajectory
analysis that is used to update the propellant fraction. The weight estimation procedure is then rerun
iteratively with trgjectory analysis until overall vehicle closure. This research has discovered that only two
to three iterations are required to close the vehicle.
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Thermal Protection System Weight Estimation

As part of the weight estimation process, Thermal Protection System (TPS) weight must be addressed.
The model uses a simple water-line scheme to estimate what TPS types are needed in what areas. With the
knowledge that the vehicle will re-enter the atmosphere at a specified angle (i.e., 30°) surfaces that are in
direct line with or at specified increments from the stagnation points are calculated. With the knowledge
that surfaces nearest the stagnation points will require the highest temperature TPS, a lookup table of TPS
materials (based on Shuttle tiling) is used to place tiles in specific regions. The density and thickness of the
tilesisthen used to calculate the entire weight of the TPS.

A more physics based approach for predicting TPS design is currently under development through
an Air Force Small Business through Innovative Research (SBIR) program. Using high fidelity
aerodynamics and heating analysis calculated directly from the geometry of the rocket design and its
trajectory profile, the transient heating profile will be coupled with a TPS optimization routine. The
thickness of the TPS is varied so that a maximum temperature on the inner rocket structure is not exceeded
throughout the trajectory. The heating loads are then applied to the Finite Element model of the inner
vehicle structure for sizing. The updated vehicle weight can then be sent back to trgjectory analysis in an
iterative cycle until vehicle closure. This will not only yield higher fidelity TPS design, but will aso
include the transient effects in the heating profile. Currently most TPS designs are sized to the point in the
tragjectory that yields the highest temperature; this overestimates the required TPS and consequently
increases the weight of the vehicle.

Weight Estimation Error

There are errors in the weight estimation routines. The vehicles currently being analyzed are
roughly five percent under weight, based on historical vehicle designs. The additional weight is accounted
for using a weight correction factor, but additional work needs to be done to model vehicle weight better.
Five percent under estimation is a considerable factor considering that the RMLS type vehicles may have
growth factors of 30 or more. The higher fidelity methods previously discussed could be used to refine the
weight synthesis equations for future increased model accuracy. Additionally, members of the RMLS team
have modeled aerospace partners design to compare and verify the analysis. Results have shown a good
comparison between the reports. Additionally, the comparison found that a few parameters in the model
weight were not feeding back into the weight estimation scheme. Future studies will alow higher
confidence in the model. Despite these errors, the current weight estimation routines are a good start to
capturing vehicle weight, and accurate enough for the level of fidelity desired.

The weight estimation software developed is only for preliminary design. The author knows there
are dangers to base weight estimation on historical data trends. This is especialy true when the only data
point that has been built and flown is the Space Shuttle that was designed for an immense 80,000-pound
payload and is an operational nightmare. The Space Shuttle is not a good data point, but it is widely used
because it is the only point available. Future work may incorporate higher fidelity tools, which will benefit
from the vehicle-sizing starting point this tool gives. Additionally, the physics in the higher fidelity tools
could then be captured to increase the accuracy of the preliminary weights equations developed.

Trajectory Analysis

As previoudly discussed, trgjectory anaysis is an integral part of RMLS design. The two main
trajectory analysis codes used within the industry are OTIS (Optimal Trajectories by Implicit Simulation)
and POST (Program to Optimize Simulated Trajectories). Within the aerospace industry, the author has
found that new codes are not easily accepted, and various organizations (even within the RMLS team) live
and die by their selected code with no thought of change. Consequently both codes have been integrated
into the environment using program wrappers. However, the author favors OTIS because its solutions have
yielded better results, coupled with the ability to use more parameters and constraints.

OTIS 3.0 isa FORTRANT77 program for simulating and optimizing the point mass trajectories of a
wide variety of aerospace vehicles. The version used at Wright Patterson AFB was recently compiled for

21



50-8

use on NT-based windows machines. The most advanced simulation uses implicit integration to generate an
open-loop optimal control of a prescribed vehicle.® OTIS was designed more like a math program; giveit a
series of parameters (possibly hundreds), constraints and objectives, and it will solve for the optimal
mathematical solution. POST is aso a FORTRAN 77 program for a generalized point mass with discrete
parameter targeting and optimization.’® POST behaves more like a traditional trajectory program; give it a
series of parameters (under 100), constraints, objectives and a trgjectory that the user thinks is good, and it
will yield a dightly better trgjectory. POST has the benefit of being fast but is hampered by only running in
DOS mode on PC-based machines. The POST integration uses a LISP function to traverse the tree to
collect data, reformatting it into an input text file required by POST. The text file must then be sent to the
trajectory analyst to run POST and send back the updated fudl fractions.

The OTIS 3.0 integration currently only contains the specific information relevant to a particular
RMLS class of vehicles. The properties allowed in a specific model are tailored such that a limited set of
trajectories can be performed, reducing the incredibly large array of options OTIS 3.0 allows. This reduces
the strain on a user of the tool by reducing the number of properties understood and checked during program
execution. The few properties relevant to a given design are easily accessible within the design
environment. However, the initia tragjectory file relevant to a particular vehicle class is required to be
generated by an expert user of OTIS 3.0. Trajectory analysisis extremely complicated, and eliminating the
expert entirely from the design process would be impossible. Vehicle configuration properties such and
aerodynamics, weight, engine propulsion are automatically formatted into the OTIS format, and the updated
fuel fractions are automatically read back into the collaborative environment for automated iterative design.

Aerodynamic Analysis

The aerodynamic analysis application used for the Bimese trade studies was Missile
DATCOM. DATCOM requires geometry to be broken down into simple known components and then uses
empirical equations of the known shapes to calculate the desired aerodynamic coefficients for the overal
vehicle. Consequently only simple geometry can be modeled using DATCOM. Multiple bodies aso pose a
problem becuase they are not handled in DATCOM. The author chose to model the orbiter and the booster
separately, with the payload treated as a protuberance on the orbiter. The drag of the orbiter and booster is
then summed. The calculated drag using this method ignores whatever interference exists between the
wings, which adds to the drag calculation. But this decreases at higher Mach numbers and is not
unreasonable to ignore. To check this assumption, a CFD model is being run for the concept. However, the
results are not expected soon because of the huge computational expense of CFD analysis.

The analysis shown in Figure 7 demonstrates the
expected drag rise going through Mach 1.0; the large increase is
a result of the NACA 0012 airfoil chosen for the Bimese
concept. The analysis is consistent with predictions on how the
model should behave, allowing confidence in the aerodynamic
analysis.

For a sanity check a more detailed analysis could be

;

Drag Coefficient (CD)
b

1200

performed using PANAIR, an example of an analysis of the

Bimese concept is shown in Figure 8. PANAIR is a linear

aerodynamic solver using the technique of boundary elements Figure 7: Coefficient of Drag
(commonly referred to as aerodynamic paneling).  Surface Calculation Using DATCOM

geometry is “body-fitted” with an array of quadrilateral panels.

Continuous surface singularities (both sources and doublets) are distributed using a number of schemes to
meet a number of needs.®® The program is accurate but requires longer run times, and is not applicable to
the quick trade studies desired for the RMLS team. Additionally, PANAIR requires a continuous structured
body grid that is difficult to model around protuberances such as wings in an automated fashion. The
RMLS Bimese model was not constructed with PANAIR in mind so the wings could not be included in the
PANAIR analysis. Consequently, only the body is analyzed in Figure 8 and the analysis cannot be
compared with DATCOM. Both aerodynamic analysis objects contain information on how to break the
smooth geometry of the model into their respective application inputs. No additional user work is required
to run the analysis within the limits of the Bimese concept.
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Future work will include adding ZONAIR to the list of
aerodynamic analysis tools included in the environment. ZONAIR
is a panel method aerodynamic solver based on ASTROS for very
A benefit of
ZONAIR is that meshing can be unstructured, alowing input grids
to be automatically generated. Additionally, multiple wingsets will

accurate results with limited computational time.

be able to be modeled.
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Figure 8: PANAIR Pressure Distribution

on RMLS Bimese Vehicle

EXCERSIZING THE MODEL

The mgjority of the research has focused on the design environment development, and, as a result,
the majority of this research is concerned with the environment and associated analysis modules. However
the environment is only a foundation for rapid trade studies. Using this tool, the author performed various
trade sweeps of the Bimese concept. The vehicle sizing routine incorporating weights and propulsion takes
60-180 seconds (sizing both the orbiter and booster) running on a Pentium |11 processor with 500 Mbytes
RAM. The time difference depends on how many sizing iterations are required (which depends on how
close original model sizing guess is to final design). Initial trgjectory analysis using POST must be run
offline because of the limitations of POST (which must be run in DOS mode), so trajectory and its required
aerodynamics analysis are not run in an automated fashion. The input file required for the automated OTIS
3.0 analysis has recently been built and will be used to run through the series of designs the RMLS team
wants to look at. With the limited number of analysis tools incorporated (weights, aerodynamics,
propulsion, and trajectory) only a few trade study parameters can be considered. But the parameters
considered are critical to design formulation. Trade study parameters able to be handled by the model
include payload sizing, thrust to weight ratio, fuel selection for both booster and orbiter, wing thickness,
rocket nozzle type, and staging velocity. The author will limit discussion to the first three trade studies

mentioned.

Payload Sizing

Payload size comes from mission
requirements.  The payload size trade study
performed shows what a top-level mission change
will cost in terms of vehicle weight for a given
design. In this study, the author changed the
payload weight from 4k to 64k pounds, sized both
the orbiter and booster vehicles and plotted the

\ resulting overall vehicle fractions in Figure 9. In this
plot, the propellant fraction (Pf) plotted is 1-Pf (i.e,
about 76% of the vehicle weight). If the ordinate was
scaled to one, the entire area between the Pf curve and
one would represent the propellant fraction. Payload

‘ fraction is the difference between propellant fraction
‘-\\ and empty weight. The empty weight plotted is the
true empty weight of the vehicle. The increase in the
empty weight fraction at the lower vehicle gross

Propellant Fraction

P ayload Fraction
Empty Fraction
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Figure 9: Vehicle Fractions Based on Fuel
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J \\ weight is largely a result of nearly constant TPS
| weight, resulting in greater weight fractions. The
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propellant fraction was held constant at 76% for the

Figure 10: Payload Sizing Comparison
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the weight equations not summing the weights properly. Within the range of payloads that were analyzed,
greater vehicle efficiency is realized with larger payloads. At alower liftoff weight, no payload is able to fit
within the vehicle.

The vehicles at the extremes of the analysis (4k and 64k pound payloads) are shown in Figure 10.
Notice that the sizing is not photographic. The wings grow at a faster rate in comparison with the fuselage.
Thisis aresult of the wings depending on the empty weight of the vehicle to maintain an acceptable rate of
sink, span loading, and wing loading during landing conditions. The weight mainly depends on the size of
the fuel tanks, the engine, and thrust structure, which depend on the fuel volume. Volume is a cubic
function, so a small change in the fuselage will lead to alarge increase in weight. The planform area only
grows by the sguare of the increase in fuselage size, so if the fuselage grows by a factor of two, the weight
increases by afactor of eight, and the wings increase a factor of four.

Thrust-to-Weight Optimization

In the second analysis sweep the thrust-
to-weight ratio of the orbiter was varied and
plotted as a function of vehicle dry weight
(Figure 11). Thrust-to-weight and propellant
fractions are closely related; higher thrust to
weight ratios require less vehicle fuel fractions.
Iteration was required with the trajectory
analysis to solve for the fuel fraction. The
results ranged from 77.5% at a thrust to weight 305000
ratio of 1.0 to 74.5% at a thrust to weight ratio
of 1.8. Because the orbiter operates at high Thrustto Weight Ratio
atitudes, the thrust to weight effect on vehicle
weight is mostly a result of gravity losses (a
factor of AV). Consequently there is only a small shift in dry weight and slight differences in vehicle
design. The increase in dry weight at higher thrust to weight ratios results from limiting the G-loading on
the vehicle. Additional increases in thrust only add additional engine weight to the vehicle. An optimum
thrust-to-weight ratio is found to be between 1.3 and 1.7.

380000

330000

Yehicle Dry Weight

1.0 12 14 16 18 20

Figure 11: Thrust to Weight Optimization

Fuel Selection

In this study, the
fuel of both the orbiter and

booster where set to either a

hydrocarbon (kerosene) or

hydrogen based fuel with a o

LOX (liquid oxygen) for the . \
oxidizer. The vehicles in
Figure 12 show that the
hydrogen-fueled concept is
much larger than the
hydrocarbon design. Thisis
a result of the very low
density of hydrogen, which
requires a larger volume for
the same propellant mass,
increasing the  volume fita
required to store it. 1
However, the vehicle dry

weight is still roughly the Figure 12: Fuel Selection Vehicle Comparison
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same for both concepts. In fact, further studies have shown that the hydrocarbon design could be made
lighter than the hydrogen concept by increasing the staging Mach number. The non-photographic scaling in
the vehicle concepts results from the same sizing constraints of the payload trade study. Further analysisis
required, particularly in the operations area, to determine the optimal staging mach number. The scaled
picture of the Space Shuttle isincluded only as ayardstick as to the size of these concepts.

SUMMARY

The Reusable Military Launch System design environment under development at WPAFB has
demonstrated dramatic design and analysis timesavings. The collaborative design environment currently
incorporates parametric geometry, aerodynamics, mass properties, aeroheating, rocket propulsion, and
trgectory analysis disciplines for the Bimese rocket configuration currently under study by the RMLS team.
Continuing Research will incorporate additional analysis tools and optimization techniques for complete
vehicle formulation. Asthe number of analysis objects grows, the usefulness and efficiency of the tool will
increase. Further trade study analysis will define optimal vehicle design. These trade studies include:

0 Load-factor

Allowable wing loading

Number of engines (engine out capability)
Enginetype

Fuel selection

Parallel vs. serial burn

Staging Mach number

O O0OO0OO0OO0Oo

However, performing various single degree of freedom trade studies does not necessarily produce
optimal results. The interconnectivity of the various disciplines found in the design structure matrix almost
guarantees non-linear results that must be analyzed as a whole. Future work will include optimization
across the disciplines to produce optimal vehicles for particular mission categories. The research reported
here has created a design environment for rapid design analysis at a conceptual level. This work will be
useful for assessing optimal design solutions and will dictate future air force reguirements and direction for
building RMLS vehicles. This is only the beginning of a much larger process. With additional object
creation, higher fidelity analysis will be achieved.
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Using a wide spectrum of completed air-breathing and rocket-powered launch vehicle baseline configurations, an
assessment was undertaken to ascertain each vehicle system’s scaling response to empty weight growth. To establish
the growth behavior, each vehicle’s baseline solution was modified for percentage increases or decreases in the
baseline empty weight from +10 % to —10 %, after which each vehicle system was then re-solved. The identification of
the trends in these solutions enabled the determination of the growth factor for each vehicle configuration. The
growth factor characterizes the system’s sensitivity to changes in structural weight arising from technological
uncertainty. Systems with high growth factors represent a greater amount of design risk because they may rapidly
scale out of control if expected technology levels fail to materialize. This understanding may also be applied to
measure the extent of improvements possible from application of more advanced technology. Several other figures of
merit were also used to evaluate the growth solutions, including empty weight, wetted area, and gross weight. The
assessment concluded that single-stage air breathers have a higher response to weight uncertainty than two-stage
configurations with the horizontal takeoff mode being more sensitive than vertical takeoff. Two-stage air-breathing
configurations, whereas exhibiting lower growth factors, differed greatly from each other in total empty weight
across the growth cases with the vertical takeoff mode roughly half the weight of comparable horizontal takeoff
configurations. Two-stage reusable rocket configurations also show low scaling weight growth factors and empty
weights and are relatively insensitive to small percentage growth changes.

Nomenclature
Irx = fixed weight fraction
fr = propellant fraction
fs = baseline scaling structural fraction
fsn = scaling structural fraction
GFpyw = fixed weight growth factor
GFgw = scaling weight growth factor
W = empty weight
Wgx = fixed weight
W = gross weight
Wp = propellant weight
Wpay = payload weight
Wy = scaling weight
Wsn = new scaling weight

I. Introduction

URING the past two decades, there have been several failed
attempts at the development of reusable rocket or air-breathing
launch vehicle systems. Single-stage-to-orbit (SSTO) vehicle
concepts such as the National Aerospace Plane (NASP), the
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Mcdonnell Douglas Delta Clipper Experimental (DCX), and the
Lockheed Martin X-33 are among those programs canceled. A
contributing cause to the demise of these programs was the impact of
vehicle growth arising from inaccurate predictions in the attainable
level of technology. This phenomenon was particularly apparent in
the NASP program, which, by the time of its cancellation, had grown
in physical scale many times beyond initial forecasts. The X-33 met a
similar fate when the expected propellant tank weight became
unachievable due to technology problems with the planned
composite tanks. The substitution of heavier, more traditional tanks
into the nearly complete vehicle would have resulted in a system now
unable to meet its mission goals.

The incorporation of a healthy design margin is a widespread
approach to addressing such growth problems in launch vehicles and
has been used routinely in aircraft design and sizing. However,
launch vehicles possess a much steeper growth response than most
aircraft, and whereas a significant design margin may mitigate the
growth risk of a multistage launch vehicle, even a 50% margin can be
insufficient for a single-stage launcher. A successful reusable launch
vehicle program must understand and compensate for these growth
effects and focus its efforts on both the realistic estimation of used
technology levels and the targeted improvement of those
technologies with the greatest system growth impact. This
consideration is doubly important for immature and evolving
technologies such as hypersonic air-breathing propulsion.

The work presented in this paper represents a broad effort to
characterize the growth behavior of a wide-ranging suite of potential
reusable launch vehicles for access to space. The reference mission
for each configuration solution is a 20,000 1b payload placed into a
100 nm low Earth orbit (LEO). The configurations considered extend
across the spectrum of both SSTO and two-stage-to-orbit (TSTO)
air-breathing and rocket vehicles and hybrid combinations of the two
and includes both horizontal-takeoff-horizontal-landing (HTHL)
and vertical-takeoff-horizontal-landing (VTHL) flight modes. The
goal of this growth study is not to present a single best vehicle design
or launch mode; rather, the investigation seeks to characterize the
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growth sensitivity and resulting design risk that must be addressed to
be successful with each given configuration.

II.

All vehicles in this design study have been configured with the
HySIDE code developed by Astrox Corp. [1]. The code is a
component-based, object-oriented design package within a systems
engineering software environment. HySIDE uses analytical
solutions and tabulated data as available rather than detailed
computational fluid dynamic solutions to be speedy and flexible
while still maintaining a high degree of accuracy. Use of the code’s
rapid design and analysis capabilities allows for the quick systematic
comparison of hundreds of design parameters and input cases.

To design a hypersonic vehicle, the code uses the freestream Mach
number and altitude at a chosen design point and specified bow shock
strength, from which the method of characteristics and streamline
tracing methods [2] are used to form the inlet surface. After the trace,
the surface inviscid forces are known, as is the inlet exit flow state. A
quasi-one-dimensional combustor model is used to model the mixing
and burning of hydrogen or hydrocarbon, and a combustor surface is
defined. The nozzle flowfield is then also created using the method of
characteristics. An external surface joins the inlet capture area and
nozzle exit. A reference temperature boundary layer method is then
applied to determine the viscous forces, heat transfer, and boundary
layer displacement thickness on each surface. The aerodynamic
forces are determined by integrating the pressures on each surface’s
gridpoints [3]. A rocket vehicle is analyzed with similar methods, but
without the internal flowpath surfaces.

The code has the ability to perform analysis in a completely
integrated fashion (propulsion—airframe—massproperties—aero—
gravloss—heating—volumes, etc.). Individual components include
either hypersonic air-breathing or rocket engines integrated into a full
vehicle model; their performance is calculated over the complete
mission trajectory. Vehicle sizing is done in an iterative loop. The
vehicle is scaled until the volume available for the fuel is equal to the
fuel volume needed based on individual component weights and

Design Methodology
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densities. The code calculates the volumes and areas of all the
components and from this subtracts the volumes of payload,
equipment, thermal protection system (TPS), etc. The resulting
volume is multiplied by a tank packaging efficiency as a measure of
how well the tank shape is able to use the available volume. The
resulting value is the volume available for propellant, and must equal
the fuel volume required to complete the mission trajectory to “close”
the vehicle. All of the components will require resizing as the vehicle
is continuously scaled to match all of these requirements
simultaneously.

Several standard codes, such as Missile Datcom for aerodynamics,
have been integrated into the code’s suite of analysis tools. Setup
time for the complete analysis of a new system requires several days,
and once the included components of the specific vehicle system are
connected, the system calculations for each solution run are done in
about ten minutes on a standard desktop PC. The code has the ability
to model 21 different commercially available rocket engines as well
as air-breathing scramjet-based engines and traditional turbine
engines using a variety of inlet geometries. Reusable and expendable
rocket geometries are also included.

I11.

The baseline versions of the 18 configurations analyzed for this
study were set up and solved during previous investigations as
documented in [4,5]. Figure 1 identifies these configurations and
their baseline gross takeoff weights (GTOW) [the Space
Transportation System (STS) and XB-70 Valkyrie are included for
scale reference]. As seen from the figure, the study investigated 18
vehicle configurations: nine SSTO and nine TSTO. All of the SSTO
vehicles were hypersonic air-breathing vehicles differing by inlet
type, propellant selection, low-speed propulsion cycle, and takeoff
mode. The TSTO configurations included three pure-rocket systems
as well as air-breathing vehicles combined with either an upper-stage
rocket orbiter or first-stage rocket booster. The air-breathing vehicles
used either an inward-turning “IN” inlet or more traditional wedge
“2D”-type inlet geometry. The low-speed propulsion cycles for all

Alternative Configurations
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Fig. 1 Investigated configurations: baseline GTOW and scale comparison.
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Table 1 Investigated configurations: propellant and empty weight fractions

Vehicle name Configuration type

Propellant fraction

Empty weight fraction

—10% —5% 0% +5% +10% —10% —5% 0% +5% +10%
IN-RB(H2) SSTO VTHL 0.729 0.729 0.729 0.730 0.730 0.224 0.230 0.236 0.241 0.246
IN-RB(HC) SSTO VTHL 0.754 0.754 0.754 0.754 0.755 0.195 0.201 0.206 0.211 0.216
2D-RB(H2) SSTO VTHL 0.755 0.754 0.752 0.752 0.752 0.213 0.218 0.223 0.228 0.232
2D-RB(HC) SSTO VTHL 0.777 0.777 0.776 0.776 0.776 0.185 0.190 0.195 0.200 0.203
IN-RB(H2) SSTO HTHL 0.727 0.728 0.728 0.728 0.730 0.231 0.238 0.245 0.250 0.255
IN-RB(HC) SSTO HTHL 0.757 0.757 0.757 0.758 0.762 0.207 0.214 0.219 0.224 0.229
2D-RB(H2) SSTO HTHL 0.754 0.753 0.752 0.752 0.753 0.220 0.227 0.232 0.237 0.241
2D-RB(HC) SSTO HTHL 0.780 0.780 0.778 0.779 no soln 0.197 0.203 0.207 0.212 no soln
2D-TB(HC) SSTO HTHL 0.700 0.700 0.701 no soln no soln 0.279 0.282 0.286 no soln no soln
HR/HR TSTO VTHL 0.795 0.792 0.790 0.787 0.785 0.182 0.187 0.191 0.195 0.199
HCR/HR TSTO VTHL 0.847 0.845 0.843 0.842 0.840 0.133 0.136 0.139 0.141 0.145
HCR/HCR TSTO VTHL 0.873 0.871 0.869 0.868 0.866 0.111 0.113 0.116 0.119 0.121
HCR/IN-RB TSTO VTHL 0.756 0.754 0.752 0.751 0.750 0.198 0.205 0.210 0.215 0.219
HCR/2D-RB TSTO VTHL 0.772 0.770 0.768 0.767 0.765 0.194 0.199 0.204 0.208 0.213
2D-RB(H2)/HR TSTO HTHL 0.719 0.713 0.706 0.700 0.694 0.257 0.265 0.275 0.283 0.290
2D-RB(HC)/HR TSTO HTHL 0.746 0.740 0.735 0.727 0.722 0.233 0.241 0.248 0.257 0.264
2D-TB(HC)/HR TSTO HTHL 0.613 0.602 0.593 0.585 0.576 0.358 0.371 0.383 0.394 0.404
Tutbine/2D-RB TSTO HTHL 0.512 0.500 0.489 0.481 0.473 0.448 0.464 0.479 0.491 0.502
air breathers was provided by either integrated rockets “-RB” or Wp
turbines “-TB” operating on hydrogen “(H2)” or hydrocarbon fr= W_G &)

“(HC)” fuel. All air breathers assumed hydrogen scramjets and
integrated hydrogen rockets for postscramjet ascent to orbit. One
HTHL vehicle used a pure turbine-powered booster as a first stage.
Where used, the pure-rocket stages are notated by propellant;
hydrocarbon-fueled rockets (HCR) or hydrogen-fueled rockets
(HR). The TSTO notation in the figures is listed as “Stagel/Stage2.”

In addition to the baseline solutions, this study used the design
code to produce four additional growth solutions for each system
concept, which corresponded to percentage changes in the total
baseline empty weight for —10, —5, +5, and +10%. These data
solutions are required to determine the sensitivity or growth factor for
each of the concepts. The propellant and empty weight fractions for
the closed data points for the different empty weight growth
percentages are shown in Table 1.

The tabulated data show that, with the exception of the largest
TSTO air breathers, the majority of the configurations exhibit very
small changes in propellant fraction across the different growth
solutions. This observation supports the simplification that the
propellant fraction can be considered approximately constant.

A. Sizing Equations and Growth Factors

Insight into how vehicle systems are sized can be had by
developing and examining a set of relatively simple equations
derived from the “sizing equation.” These expressions can be
employed to determine the weight impact of different growth
scenarios without the need to re-solve each system in detail. For the
purposes of this analysis, the total vehicle weight is divided into four
categories: propellant weight, fixed weight, scaling weight, and
payload weight. The propellant weight includes all propellants used
for launch ascent, as well as for orbital positioning and maneuvering.
The fixed weight is the sum of all the vehicle components that do not
scale with vehicle sizing during closure, such as payload bay fixtures
and mounts, payload bay doors, nonscaling avionics, etc. The scaling
weight is the sum of the weights of the spacecraft that do scale with
increasing or decreasing size. Most major subsystems and structure
items fall into this category, including propellant tanks, thermal
protection surfaces, airframe, wings, landing gear, engines, etc. The
vehicle gross weight is the sum of all four weight categories:

WG =Wp+ Wpx + WS + Wpay (D

The scaling and propellant weight fractions are simply the respective
weights divided by the total gross weight:

2

To determine the growth factors, a sizing equation is needed that
properly captures the scaling behavior seen in the design code
solutions. It will be useful to express the gross weight in terms of the
fixed weight, and scaling and propellant weight fractions:

=WPAY+WFX
L—fs—fr

This sizing equation is very useful for a wide range of aircraft types
and missions. The scaling and propellant weight fractions are indeed
quite close to constant over a reasonably large range of sizes for a
given design layout, engine design, and mission. The empty weight
is simply the sum of both the scaling and fixed structural weights:

Wg 4)

Wg=Ws + Wpx = fsWs + Wex )

Substituting for gross weight, an empty weight equation is obtained
in terms of the scaling weight fraction and fixed weight:

. Weay + Wex
W, = foPAY T WEX
N

Equations (4) and (6) yield the gross and empty weights as functions
of fixed weight, payload weight, propellant fraction, and scaling
structure fraction. For constant values of fixed weight and payload
weight, the vehicle may be sized with the two fractions.

+ Wex (6)

B. Correction with Analysis Results

The preceding sizing equations will require values for the scaling
weight fraction and the vehicle fixed weight that will enable the
equations to approximate the gross and empty weights of the data
solutions. To this point, there has been no effort made to distinguish
the empty weight into either scaling or fixed weight types.
Presupposed values for these quantities that could have been part of
the design setup will likely not produce sufficient data agreement if
used in the sizing equations. The discrepancy is attributable to the
nonlinear behavior of the solution of an integrated vehicle.
Component level weight estimations are based on many varied
parameters; some items scale with surface area or vehicle volume,
whereas others are determined based on the gross or empty weights.
The fixed weight and scaling weight fractions are varied until they
best fit the actual design code data points, in effect determining how
much of the empty weight is actually behaving as fixed weight vs
scaling weight. Negative values of the term reduce the amount of
empty weight acting like fixed weight, whereas positive values

29 increase the amount. Figures 2 and 3 illustrate the effect of different
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values of frx in matching the gross and empty weights of the design
code data points.

The figures show that for the VTHL SSTO IN-RB(H2) vehicle, a
good data agreement is achieved with a frx value of —0.003. The
scaling fraction is then simply the empty fraction minus the fixed
weight fraction. The fixed and scaling weight fractions were
accordingly determined for each of the configurations. We now have
smooth analytic relationships for each of our alternative designs,
which can be differentiated to determine growth behavior.

IV. Empty Weight Growth Factors

An empty weight growth factor is a measure of the scaling
response in vehicle empty weight due to an increase in either the
vehicle’s fixed weight or scaling weight. The fixed weight growth
factor determines the change in a given vehicle system’s empty
weight for an increase in the fixed weight of the system, as would
occur for an increased payload requirement; whereas the scaling
weight growth factor reflects the change in empty weight due to a
change in the vehicle’s own scaling structural weight.

A. Fixed Weight Growth Factor

An increased fixed weight requirement will trigger an increase in
the vehicle’s size as it is scaled up to closure. The growth response is
straightforward, because the vehicle model weight estimating
parameters do not change for changes in fixed weight, remaining
fixed at the baseline values. The fixed weight growth factor is the
derivative of the empty weight in Eq. (6) taken with respect to the
fixed weight and will be a constant value for a given system and suite
of technology assumptions.
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The fixed weight growth factor may be expressed in terms of weight
or the weight fraction:

WPAY + WFX + WS

GFry =
v Weay + Wex
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B. Scaling Weight Growth Factor

The scaling weight growth factor is a measure of the scaling
response in vehicle empty weight to an increase in the unit weight of
the vehicle structure. This increase often arises due to a change in the
estimation of the corresponding weight of some structural
technology, such as a heavier or lighter weight TPS tile type. The
scaling weight growth factor can therefore be used as a measure of
the vehicle’s response to the technological uncertainty inherent in the
development of any future system, and as such was the principal
figure of merit applied in this investigation. A general aerospace
vehicle scaling reaction to such an increase proceeds as follows:

1) A previously closed vehicle solution experiences an increase in
a structural unit weight.

2) That percentage increase multiplied by the total amount of that
structural component present in the closed solution results in an
additional amount of weight that must now be carried by the vehicle.

3) The vehicle solution is no longer closed, meaning it no longer
contains sufficient fuel to successfully execute the mission with the
now heavier vehicle. The weight addition acts as a perturbing
influence that triggers a scaling up of the vehicle solution to reclose
the vehicle.

4) As the vehicle grows in response to the weight change it must
also now do so with a correspondingly higher unit weight. This
double impact causes a much larger change in the reclosed vehicle’s
empty weight vs the original empty weight than just the addition of
the perturbing change in structure weight alone.

5) The empty weight growth factor is obtained by differentiating
the empty weight scaling Eq. (6) with respect to the weight change
and is the slope of the delta empty weight/delta perturbing weight
curve at the point of the vehicle solution.

As previously mentioned, each vehicle system was reclosed in
HySIDE for percentage increases in the total baseline structural
(empty) weight from —10% to 4+-10%. The empty and gross weight
sizing equations were applied to curve fit through the five solution
points for each system. For reasons that will become clear further on,
the empty weight equation is first rewritten in terms of a new scalable
weight Wgy:

Wpay + Wex

Wsn
We=|l—")—""—F"—+W, 10
¢ (WG)I—WSN/WG—fP+ w10
Differentiating with respect to the scalable weight yields
dwg _ (L) Weay + Wix
dWsy W) 1= Wsn/Ws — fp
W. Wpay + W,
n ( SN) PAY FX _ (11)
W ) (1 = Wen/Wg — fp)°Wg
Pulling the common terms to the front of the equation,
dwg _ (L) Weay + Wrx |:1
dWsy W) 1= Wsn/Ws —fp
1
+ W, ] (12)
N (U= Wen/Wo — fr)We
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Simplifying the bracketed term in the preceding equation gives

dWg :(L)WPAY"FWFX( 1—fp ) (13)
dWey We) 1—fon—fr\1—fs—fp

The final step is to substitute equivalent fractions for the weights.
This step reintroduces the original baseline scalable weight fraction
fs and is the reason for the introduction of the new (nonbaseline)
scaling weight fraction fgy. It is important to note that at the baseline
solution point, fgy = fs. The scaling weight growth factor is now
given by the following equation:

A =fs—fr)d—fp)
(1= fon = fp)?

The growth factor may be alternatively expressed in terms of
weights:

GFsw =

(14)

G Few — (Wpay + Wix) Wpay + Wix + Wy) (15)
W (Weay + Wex + Wy — Wey)?

Combining these growth factor equations with those for empty and
gross weight allows for the estimation of vehicle weights and growth
response by simply choosing different values of the scaling structure
fraction. Note that when fsy = fs, Egs. (14) and (15) degenerate into
Eqgs. (8) and (9).

Once obtained, the scaling weight growth factor may be used for
quickly performing multiple individual system component
technology assessments without the need to re-solve each system
separately. Thus employed, the growth factor is a powerful way to
determine which configurations pose less of a design risk. Once a
particular vehicle’s scaling behavior is understood, it can be coupled
with further analyses to determine an appropriate design margin.
Livingston [6] has combined the growth factor process with defined
uncertainty bands on the vehicle technology to determine the growth
point required to achieve an 80% probability of successful closure
based on the assumed maturity of the technology.

V. Additional Figures of Merit

A. Empty Weight

At this level of analysis, the total vehicle system empty weight
may be reasonably employed as the main cost driver of a launch
vehicle system. Most of the launch operation and flight
refurbishment costs, as well as the initial development and
procurement costs of a launch vehicle scale roughly with empty
weight [7]. When comparing the empty weights as a rough measure
of the approximate cost and feasibility of designing and constructing
the vehicle, it should be remembered that the use of conformal tanks,
active TPS, and other new technologies will result in an air-breathing
vehicle that “pound for pound” will likely cost more than a pure-
rocket vehicle. Although existing rocket technology is more mature
than the emerging hypersonic air breathers, the requirement for
highly operable and reliable rocket engines for post air-breathing
orbital ascent will require more investment [§] in rocket engine
capabilities.

B. Wetted Area

The amount of wetted area impacts the vehicle’s performance,
weight, and operational cost. For the heating conditions present
during either the air-breathing trajectory or atmospheric reentry, all
the exposed area of a hypersonic vehicle will require some level of
TPS. When the heating over a certain area exceeds the limits of
current materials technology, then those areas must be actively
cooled. The reduction of TPS area yields a double benefit, the first
being a reduction in weight, and the second a reduction in the time
and cost of TPS refurbishment [9]. Conversely, runaway growth in
vehicle size leads to multiplying maintenance cost. TPS maintenance
is a major part of the space shuttle’s refurbishment costs. State of the
art and future advanced passive TPS materials may require less

cooled panels on future hypersonic vehicles are a new TPS system
that is likely to require a fair amount of inspection and between flight
refurbishment. The air-breathing stages need substantial active
cooling on leading edges and through the inlet, combustor, and
nozzle.

C. Gross Weight

Vehicle gross takeoff weight is often cited as a principal metric of
comparison between different vehicle configurations. However, the
vehicle gross weight is not as useful a figure of merit as the three
listed earlier. The major constituents of the gross weight for the
vehicles are the propellants required. Compared with the cost of
acquiring and maintaining the vehicle, the cost of purchasing,
storing, and handling each flight’s propellant is nearly insignificant.
Although a higher gross weight vehicle for a given design and
mission may represent a lower performing propulsion system, it is
the impact of that performance on the vehicle’s empty weight and
surface area that are of primary interest. However, the gross weight
was included in this study because it does give quick insight into the
scaling of parameters that have to do with the fueled vehicle, such as
propulsion thrust requirement, pad limitations, and in the case of
horizontally launched vehicles, the wing and landing gear sizing. Itis
also used to determine if a particular HTHL vehicle baseline or
grown solution has exceeded the runway bearing load limitation,
which, for this study, was assumed to be 1.5 x 10° Ib.

VI. Results

As mentioned, the 18 vehicle configurations were all re-solved for
empty weight percentage changes of —10, —5, 45, and +10%, thus
representing an additional 72 closed vehicle solutions in addition to
the original 18 baseline closures. The discussed measures of merit
were determined for each solution point and are presented in the
following section. In each of the remaining figures, each individual
vehicle system is shown at the five solution points such that the
general trend in each is readily estimated. The data thus presented
yield valuable insight into a broad range of possible vehicle growths;
both positive and negative. If it is determined that the baseline
technology assumptions used for this study are too optimistic, one
need only shift up to a higher 4+% solution point on each vehicle
growth curve to reassess the impact of a more conservative
performance estimate. The growth factor results presented from this
point forward are all scaling weight growth factors.

A. Growth Factor Figure Notation

The next two figures show the scaling weight growth factor vs
empty weight trends for SSTO and TSTO configurations. The five
solutions for each vehicle are represented as points on the figures
with trend lines connecting them. The filled symbols represent the
baseline solution; the two open symbols below this point are the —5
and —10% solutions, and the two open symbols above the baseline
point are the 4-5 and 4+ 10% solutions. There are a few configurations
whose closure points extend off above the scale of the figure axis, in
which case only the negative percentage solutions may appear.

Represented in Fig. 4 are the scaling weight growth factors vs
empty weights for the SSTO air-breathing configurations. The
configurations differ by inlet type and low-speed rocket propulsion
segment fuel selection. The figure shows that the VTHL inward-
turning air breather with a hydrocarbon-fueled, low-speed
propulsion segment has the lowest baseline growth factor and
empty weight of the SSTO configurations. The VTHL all-hydrogen
versions have slightly higher baseline growth factors. This difference
becomes magnified as the solutions are run at the +5 and +10%
cases. As seen, the distance between the baseline solution point and
the +5% point is greater for the vehicles with higher baseline growth
factors than for those with lower baseline growth factors. The higher
growth response necessitates further scaling to reclose the vehicle.
This behavior is only amplified when considering the distance to a
further closure point. For example, at the +10% point, the VTHL

maintenance than previous TPS materials. However, the actively 31 inward-turning (HC) vehicle has increased its growth factor by 6 and
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Fig. 4 Growth factor vs empty weight: SSTO, VTHL, and HTHL air breathers.

its empty weight by 50,000 Ib, whereas the all-hydrogen version of
the same configuration has increased by more than 10 in growth
factor and over 80,000 Ib in empty weight. Compared to the vertical
SSTO vehicles, the baseline solution points for the HTHL
configurations are shifted towards higher values of scaling weight
growth factor and empty weight. The higher growth factors cause
small differences in the configurations to be magnified, thus resulting
in a sparser concentration of the baseline solutions than was seen for
the VTHL vehicles. This accelerated growth response is due to
conditions pertaining to the horizontal takeoff mode of these
configurations. The wing area and landing gear of an HTHL vehicle
are sized with respect to the vehicle gross weight. As the gross weight
increases, these subsystems increase at a faster rate than equivalent
systems on VTHL vehicles in which the wing area and landing gear
are sized for the smaller empty weight increase. The larger wing area
of the HTHL vehicles results in significant drag losses during the
high-speed ascent portion of the hypersonic trajectory. These gross
weight interactions are also the reason why the use of hydrocarbon
fuel in the low-speed rockets used by some of the SSTO HTHL
configurations now causes an increase in growth response. The lower
performance hydrocarbon fuel drives up the gross weight of the

vehicle and thus enters into the wing/gear scaling problem afresh.
These factors combined together cause the SSTO HTHL
configurations to be more sensitive to growth than the SSTO VTHL
configurations. Indeed, for the technological assumptions of the
current study, some of the HTHL vehicles are already exhibiting a
nearly runaway scaling response at the +5% closure point. The
poorest performer of the four HTHL vehicles shown is the SSTO air
breather with integrated turbines for low-speed propulsion. Its
baseline point has a very high empty weight and growth factor and
does not even appear on the figure, although its lower —5 and —10%
closure points do. Having higher growth sensitivity does not
summarily invalidate the potential of an SSTO HTHL. For the
applied technological estimations, the SSTO VTHL vehicles are an
improvement over the SSTO HTHL configurations in terms of empty
weights and growth sensitivity. Because the same technology
estimates and methods were consistently applied for common
subsystems in the solutions of vehicles employing either launch
mode, closing the resulting size gap would require large changes to
technologies and assumptions peculiar to the particular launch mode.
Technological possibilities for improving the performance of the
SSTO HTHL vehicles with respect to the SSTO VTHL vehicles
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Fig. 5 Growth factor vs empty weight: TSTO configurations.
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might include magnetic rail launch or increased takeoff speed.
Likewise, the size gap could be reduced by conditions that might
adversely and uniquely affect the SSTO VTHL configurations. It is
possible that the SSTO VTHL concepts could get larger and the
SSTO HTHL concepts could get lighter, but it is unlikely that the gap
between them would close completely. The sizing trends observed in
these growth trades should be considered carefully; the high degree
of growth variability shown in these results for either SSTO launch
mode precludes any final selection judgment until the considerable
uncertainties in basic hypersonic vehicle component technologies
and integration issues are reduced.

The TSTO configurations are considered next, and their growth
solutions are shown in Fig. 5. The effect of staging on growth
response is quite visibly communicated by the concentrated
solutions shown. The empty weight of the three pure-rocket vehicles
varies by only ~80,000 Ib across the whole growth percentage
range. The smaller changes of the TSTO rockets are indicative of a
robust system that is well suited to absorbing moderate changes in
weight and therefore exhibits less design risk. Because of the
subdued growth behavior of the TSTO rocket configurations, there is
little variation among the three vehicles even though their propellant
configurations are quite different. Also included in Fig. 5 are two
additional TSTO categories that employ either HTHL air-breathing
boosters with upper-stage rockets (three vehicles), or an HTHL
turbine booster with an upper-stage hypersonic air breather (one
vehicle). Once again, the use of staging moderates the scaling
response; however, the combined empty weight of the TSTO HTHL
systems using air-breathing stages is double that of the TSTO
rockets. The TSTO HTHL vehicles show a larger spread in the
location of the different closure points, but are still more concentrated
than the SSTO HTHL air breathers. Although these configurations
only increase a few points in growth factor from the baseline point up
to the +10% case, it is important to note that they have gained
~100,000 b in empty weight in doing so. The final two
configurations of the figure are vertically launched rocket boosters
with upper-stage air breathers. These TSTO VTHL vehicles are less
than half the empty weight of the previous TSTO HTHL vehicles.
These two TSTO VTHL configurations also show fairly low scaling
weight growth factors and scaling response; however, they have
much steeper trend lines. This may lead to the erroneous conclusion
that these vehicles are scaling faster than their TSTO HTHL
counterparts. The opposite is actually true; the closure points on the
steeper trend indicate less resulting empty weight growth from the
same scaling response. The actual 4+5% solution points for both the
VTHL and HTHL configurations are at a growth factor of between 6
and 7, so both categories actually experienced similar growth factor
increase but with very different outcomes in terms of empty weight
response.

B. Measures of Merit Figure Notation

The next four figures show the results of each closure solution for
the general figures of merit chosen for this study. For the following
figures, results are only presented for the best two vehicles from each
general configuration category with the exception of the SSTO
HTHL air-breathing vehicles, where three vehicles were presented to
show the results of the SSTO turbine-based vehicle. The results are
presented in bar charts with the vehicle closures for the —10% case on
the frontrow, and the +10% case on the back row. Each bar is labeled
with the actual solution point data. There are no positive (+%)
growth data for the SSTO HTHL turbine-based vehicle on the far
right of the figures because that configuration was impossible to close
at even the +5% growth case. The +10% solution point for the
SSTO HTHL 2D hydrogen rocket-based vehicle is not shown due to
blowing up in a similar fashion. A vehicle thumbnail image is
included to represent each configuration category and to provide
ready identification of each group of data.

Figure 6 represents the scaling weight growth factors across the
different closure solutions for the best two vehicles of each
configuration category. In the figure, TSTO configurations are to the

right, and SSTO configurations are to the left. This figure again 33
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Fig. 6 Empty weight growth factors.

addresses the low growth factors of TSTO configurations vs SSTO.
The growth factor data suggest that the development of an immature
technology such as hypersonic propulsion should first be applied in a
more forgiving TSTO configuration to gain experience and develop
the technology and then apply that understanding to the SSTO, in
hopes of achieving the lower percentage closure points.

The amounts of total vehicle empty weight for each system are
shown in Fig. 7. The empty weight results for the TSTO vehicles
differ markedly from each other. The three highest empty weights for
the TSTO vehicles are for the two TSTO HTHL configurations and
they are double the amount for the two TSTO VTHL configurations.
A more detailed analysis of the causes of the differences between
these configurations is contained in [5]. The highest empty weights in
the SSTO category are also attributed to the SSTO HTHL vehicles,
which, due to higher growth response, become larger than the SSTO
VTHL vehicles. Another interesting observation is that the three
different configurations using turbines for the low-speed trajectory
segment have the three highest empty weights of all the
configurations studied.

The total wetted area for each vehicle is represented in Fig. 8. The
trends seen for wetted area follow the same patterns as those
observed for the empty weight. As mentioned, the wetted area is a
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Fig. 7 System empty weights, klb.
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strong driver for the amount of maintenance and refurbishment costs
and turn time for a reusable launch vehicle. As with empty weight,
not all wetted area is the same. For example, the rockets used as first
stage boosters never see any substantial heating and therefore get by
with much less capable TPS. In contrast, the hypersonic air-breathing
vehicles all require advanced high-temperature passive TPS over
every exposed portion of the vehicle’s external surface and internal
flowpath except for the flowpath regions that are actively cooled.

The final measure of merit is the vehicle gross weight shown in
Fig. 9. This is one figure of merit in which the pure rockets come out
fairly high due to their higher propellant fractions. The gross weights
of some of the SSTO HTHL vehicles in this study have exceeded the
assumed runway load limitation of 1.5 x 10° Ib for some of the
closure solutions. At +10%, all SSTO HTHL air breathers are above
this limit with the exception of the all-hydrogen, inward-turning
vehicle. The SSTO HTHL turbine-based vehicle is right at the limit
already for its baseline case. These solutions were all for 20,000-1b
payload to LEO. Itis easy to foresee from the trends in this figure that
any substantial increase in that payload could invalidate all of the
HTHL vehicles at any positive growth percentage from operations
staged from existing runways. The SSTO and TSTO VTHL vehicles
have the lowest total gross weights of all the vehicles.
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Fig. 9 System gross weights, klb.

VII. Conclusions

This investigation considered 18 vehicle systems, many different
configurations of air breathers and rockets, and performed a broad
growth investigation to characterize the scaling behavior of each
vehicle system. The general growth sensitivity conclusions that may
be drawn as a result of this study are listed next. For more detailed
conclusions contrasting individual baseline vehicles with each other,
the reader is referred to [4,5].

For vertically launched TSTO rockets:

1) The use of staging greatly reduces the scaling behavior of
these systems.

2) The three vehicle solutions for this category have very similar
scaling weight growth factors and exhibit minor increases in
empty weight for even large growth percentages.

3) Design success is very likely through the employment of a
moderate growth margin during development.

For SSTO air breathers:

1) SSTO configurations have higher baseline scaling weight
growth factors than the TSTO configurations and are highly
susceptible to large increases or decreases in weight and scale for
even small growth percentages.

2) For the configuration assumptions of the present study, the
empty weights and scaling response of the SSTO VTHL
configurations was consistently less than that observed for the
SSTO HTHL configurations, with the all-hydrogen-fueled SSTO
VTHL vehicles being more variable than those with hydrocarbon-
fueled, low-speed propulsion segments.

3) For the HTHL SSTO configurations, the use of hydrocarbon
rocket propulsion for the low-speed segment and its
corresponding increase in vehicle gross weight exacerbates the
growth response compared to the all-hydrogen configurations.
The SSTO turbine vehicle had the highest baseline empty weight
and most severe scaling response of all the configurations studied.
For TSTO air breathers:

1) As with the TSTO rockets, the use of staging benefits the
TSTO air-breathing vehicles, both VTHL and HTHL.

2) Although the HTHL TSTO air breathers exhibit low growth
factors (compared to SSTO), the magnitudes of the changes in
weight and scale for larger growth percentages is considerable due
to the higher baseline empty weights of these configurations.

3) The VTHL TSTO air breathers are consistently less than half
of the total empty weight of the HTHL TSTO configurations
across the applied growth percentages. Although similar to the
HTHL TSTO air breathers in growth factor, the magnitudes of the
changes in empty weight and scale are much less at the higher
growth percentages.

Many of these observed trends have been recently corroborated by
other researchers. The configurations investigated by Hank et al. [10]
were analogous to many of those presented here. Other SSTO
configurations were examined by Orloff , which, although similar to
those of this study, used additional propellant configurations such as
completely hydrocarbon-fueled configurations and vehicles using
duel-fuel scramjets.

In summary, a sufficient understanding and allowance for the
growth response of a particular launch configuration is vital in
helping to assure a successful vehicle program. As applied to an
SSTO configuration, this understanding and determination becomes
of paramount importance due to the severity of the scaling response.
This makes it nearly impossible to accurately set the final scale and
size of the vehicle unless there is near-perfect certainty in the
performance and technology of the system beforehand. Failure to
appreciate or account for the severity of that response has directly
contributed to the demise of previous SSTO attempts. Indeed, there
are many areas of basic research ranging from the estimation of
conformal hydrogen tank weight to the accounting of trim-drag and
aeroelastic effects that must be addressed before the highly growth-
sensitive SSTO configurations can be designed with more certainty.
The TSTO configurations have lower scaling weight growth factors,
indicating vehicle systems that more easily absorb design or

34 technology changes during the development program without



648

extreme increases in size and weight. A program with such a vehicle
is many times more likely to be successful at incorporating the actual
design numbers once the vehicle design has been frozen. The use of
staging is a very beneficial way to reduce growth behavior and
provides an intermediate point where uncertain or emerging
technologies may be applied and matured in a system with a lower
inherent design risk before being attempted on a more exacting
SSTO configuration. A high scaling weight growth factor does not
necessarily invalidate a particular vehicle design; it is just a measure
of how much more certainty and confidence must be had in the
solution parameters to be successful with that design.
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This paper compares and contrasts reusable rocket and air-breathing launch vehicles.
Various rocket systems are compared including reusable Two Stage To Orbit (TSTO) and
hybrid systems. Air-breathing systems include TSTO and Single Stage To Orbit (SSTO)
designs. Both vertical and horizontal takeoff systems are investigated. Vertical takeoff,
staged rocket systems are the clear choice for systems fielded in the next 10 years. Some
vertical takeoff SSTO systems look very promising. Horizontal takeoff systems are much

larger, have less margin and consequently higher growth factors.

Nomenclature

Advanced Technology Suite

Common Aero Vehicle, reentry vehicle
Hydrocarbon

Horizontal Takeoff Horizontal Landing
Liquid Hydrogen

Liquid Oxygen

Orbiting Maneuvering System

Rocket Based Combined Cycle
Reaction Control System

Reusable Launch Vehicle

State of the Art

Single Stage To Orbit

Turbine Based Combined Cycle
Thermal Protection System

Two Stage To Orbit

Vertical Takeoff Horizontal Landing
Weight Estimating Relationship

l. Introduction

HIS paper presents the results of many years of studying and modeling space access systems for the purpose of
comparing and contrasting their merits and liabilities and assessing technology impacts. A wide range of vehicle
types have been examined ranging from VTHL rockets to HTHL airbreathers, both TSTO and SSTO.

For the last few years we have been a member of the Reusable Military Launch System (RMLS) team. This is an
ad hoc team composed of members from the Air Force, NASA and industry. Our objective has been to investigate
the various reusable launch system options available for meeting national needs: Air Force, NASA and commercial.
There are many concepts with widely varying attributes. This makes it extremely difficult to sort through them, find
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useful Figures of Merit (FOM) and make meaningful comparisons. This paper summarizes some of the team’s
findings.

Il.  Missions
We have been considering 3 possible mission categories:

1) Rapid Global Ordinance Delivery

The rapid global delivery mission is to deliver ordinance via CAVs to any place on the globe from CONUS. This
is primarily a suborbital or once-around mission. Payload class is 15-40k Ibs delivered to an easterly once-around
orbit. Vehicle turn time is critical in order to keep the fleet size down and bring costs closer to those of regular
bombers.

2) Operationally Responsive Space Lift

This mission stresses on-demand, flexible launch capabilities. Payloads are in the 10-15k lbs range delivered to
an easterly 100 nm orbit, but at least 4k Ibs delivered to a polar orbit. Again, rapid turn time is important, but
probably not as critical. Both military missions have the most pressing need for rapid, low cost operations and
probably the largest fleet sizes.

3) Low Cost Space Transportation

Commercial and NASA lift requirements are wide ranging, with NASA manned missions requiring the largest
payload at around 60Kk Ibs to an easterly low earth orbit. Turn times are not as critical as for the military missions.

This paper concentrates on reusable systems, but finding enough missions to justify a RLV is a major problem.
The current number of worldwide launches is below 100 per year and The United States’ share is much smaller. If
the number of annual launches remains near present levels, expendable systems will continue to be economically
viable. First partially reusable then fully reusable launch systems become more attractive as the number of annual
launches increases, but only if costs, especially maintenance, can be kept low. For this reason partially reusable
systems are included in this study.

For the purposes of this study, systems were sized to deliver an 8 ft diameter x 30 ft long 15k Ib payload to an
easterly orbit. The results are not sensitive to the payload size and are applicable over a wide range.

1. Measures of Merit

Ultimate figures of merit such as robustness, flexibility, risk, safety, mission cost and total life cycle cost are not
very useful during the wide ranging conceptual phase of systems design and analysis. Needed are a few figures of
merit which are good indicators for the above. This paper will make use of the following:

1) Empty Weight

Empty weight is a good indicator for development and acquisition costs. It is widely used at this stage of
analysis, and is often used along with material types and complexity.

2) Complexity

Overall system complexity impacts development and acquisition costs and risks. Measuring complexity is not
very quantitative and can be subjective, but is worth noting. One typically counts the number and type of major
subsystems and the complexity of their interactions. Maintenance man-hours is a reasonable measure of this as well,
though it does bring in the quality of the development process, in that the reliability of the subsystems are part of the
equation.

3) Wetted Area

Wetted area is a good indicator for Thermal Protection System (TPS) related costs. TPS is a major contributor to
maintenance man hours and turn time.

4)  Uncertainty

Uncertainty estimates in conjunction with growth factors indicate technology readiness level and help set
appropriate management margins for system development. The impacts on various uncertainties within the system
are estimated using a Monte Carlo technique.

5) Growth Factor

There are many different growth factors. The one we are interested in is the empty weight growth factor. It is
defined as the growth in system empty weight needed to restore full system flight performance in response to a
change in weight. It is obtained by differentiating the system sizing equation with respect to a change in weight. It
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grows asymptotically as the system approaches its performance limit. High growth factors combined with
uncertainties can yield extreme variations in the final size. This is especially true of HTHL SSTO systems.

6) Maintenance Man-Hours per launch cycle

Average total man-hours of maintenance needed to prepare the complete system for its next luanch is a major
contributor to operating and life cycle costs. Modeling maintenance man-hours has been a major effort of team
member Brendan Rooney and is reported in Reference 1.

As a final observation, gross liftoff weight is NOT a particularly good figure of merit for this type of wide
ranging comparative analysis, because it does not differentiate between propellants and hardware. Hardware is
extremely expensive to develop, acquire and maintain, whereas propellants, even hydrogen, cost practically nothing
by comparison.

IV.  Alternative System Concepts

Some of the system concepts evaluated are shown
in Figure 1. Numerous rocket, scramjet and turbine
propulsion combinations are considered. TSTO and \ .
SSTO systems are looked at, as are vertical and - -
horizontal takeoff systems. \\

This paper reports on 17 different launch system '

concepts, and more are being added. All systems are -
fully reusable except the hybrid systems.
A brief description of each of the systems follows.
More details can be found in the references. The
system’s identifying nomenclature is used in the
included graphs.

TSTO Rocket Systems

All of the TSTO rocket systems are VTHL and .
stage at 7000 fps. The boosters use turbofans to return ~ Figure 1. Some of the system concepts compared.
to base. They are all serial burn. Earlier studies looked
at parallel burn systems, including Bimese glide back
boosters. They did not compare well to the simpler serial burn systems.

RP RP RP1/lox engines in both stages
MM Methane engines and subsystems in both stages
MM w Methane engines in both stages, and Inconel structures

Multi-Stage Hybrid Rocket Systems
These systems all have reusable first stage boosters similar to the fully reusable boosters and stage at the same
velocity.

RP RP High performance RP1 /lox engines are used on the expendable upper stage
RP LH LH/lox upper stage
RP S2 Two solid rocket upper stages

VTHL SSTO Rocket Boosted Scramjet Systems
All of the VTHL SSTO systems use rockets to boost up to the scramjet takeover Mach Number. All of these
systems use LH fueled scramjets, and all use LH/lox rockets for final insertion into orbit.

V HC 2D RP1/lox boost rockets, 2D scramjets.
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V HC Inw  RPZ1/lox boost rockets, One Inward turning scramjet
V LH Inw  LH/lox boost rockets, One Inward turning scramjet.

VTHL TSTO Rocket Boosted Scramjet Systems

The VTHL TSTO rocket boosted scramjet systems utilize reusable first stage boosters which stage above Mach
2.5 and glide back to base. All of these systems use liquid Hydrogen fueled scramjet upper stages with LH/lox
rockets for final insertion into orbit

V HCR /2D RP1/lox booster with a 2D scramjet upper stage
V HCR /SJ RPZ1/lox booster with an inward turning scramjet upper stage

HTHL SSTO Scramjet Systems
All of the HTHL SSTO scramjet systems transitioned to scramjet above Mach 2.5. All of these systems use
liquid Hydrogen fueled scramjets with LH/lox rockets for final insertion into orbit.

HLH 2D LH/lox boost rockets with 2D scramjets
HLH Inw  LH/lox boost rockets with inward turning scramjets
HHC Inw  RP1/lox boost rockets with inward turning scramjets

HTHL TSTO Scramjet / Rocket Systems

All of the HTHL TSTO scramjet / rocket systems utilize scramjets on their booster stages and stage at
approximately Mach 10. They all use a LH/lox rocket orbiter stage similar to the TSTO rocket systems, but with the
addition of more TPS to deal with the more severe aero heating during ascent.

TBCC/R  Over/under turbo accelerator HC engines to above Mach 3.5 and 2D LH scramjets on the 1% stage

RBCC /R  LH/lox rocket engines to over Mach 2.5 and 2D LH scramjets on the first stage

V.  Modeling Approach

The most difficult aspect of a comparative analysis as broad as this is maintaining consistency between concepts.
All assumptions must be scrutinized to ensure fair treatment of all concepts. A fair comparison between traditional
multistage rockets and airbreathing concepts has been our principle concern.

We are currently using 3 different software products for modeling launch systems and their components. Our
original RMLS rocket system models were developed in-house using Mathcad and TechnoSoft’s AML software.
Mathcad was used to develop and document many of the components before transcribing them into AML and later
into Astrox Corp’s SIDE software. More RMLS rocket model details and results can be found in Reference 2. Our
airbreathing systems have been modeled by Astrox using SIDE. To ensure comparable results from both products
our RMLS model was translated into SIDE and comparisons made to ensure consistent results. Many of the designs
have been recently published by Astrox in Reference 3.

This was reasonably successful but some adjustments were still needed by the time the results were in. Astrox’s
SIDE models have scramjet weight models that were originally correlated to more advanced materials than was
assumed for the rocket models. These were corrected for. Every attempt has been made to be as fair as possible. We
believe we have a reasonably accurate comparison. Having said that, there is still plenty of room for improvement
and the work continues.

Model Accuracy and Uncertainties

Our rocket models are relatively mature. The models estimate weights of over 50 items which make up the
empty weight. The Weight Estimating Relationships (WERs) are from numerous sources. Some were developed in-
house and are physics based. All were compared and correlated with shuttle and other launch vehicle data. Our
airbreathing systems models are not as advanced, but we believe they are adequate to judge relative attributes of
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systems. The airbreathing system models are currently undergoing refinement in the areas of integral conformal
liquid hydrogen tanks and actively cooled engine structures.

Integral conformal hydrogen tanks form the bulk of the fuselage, and low weight tanks are critical. The shapes
of both 2D and inward turning scramjet fuselages lead to tank shapes which are not particularly good pressure
vessels. The best way to design these tanks, and how they compare to cylindrical rocket tanks, is a current area of
investigation. For the purposes of this study all integral conformal hydrogen tanks were assumed to be 150% of the
weight of a cylindrical tank of the same volume. Optimum pressures in these tanks have not been established but
will be lower than in corresponding cylindrical tanks due to their non-circular shapes. We believe that the more
curved tank shapes should be lighter, but no advantage has been taken of this possible reduction in weight.

Our models typically estimate the areas of up to 5 temperature regions (including actively cooled areas) and
allow for the estimation of unique TPS weight and maintenance for each. The scramjet vehicles’ actively cooled
surface areas are (depending on the concept) 5-15 times greater than the TSTO rocket engines’ area. Actively cooled
panels have significant weight and

maintenance. Weight and a _ Rocket State of the Art Technology
maintenance uncertainties are still
high, but data is peing collected High P -
and models are being constructed 120 | harmber G Vel
to improve our current estimates. press engines
-% 100
VI.  Model and Technology =
Assumptions g . High
. £ o] chamber
Rocket Engines a o press o
Figure 2 shows existing tg!’nﬁ'ber o H
rocket motors and two square 60 [ press o Cower g © °
regions that represent the state- chamber
of-the-art for high pressure © © press
HC/lox and LH/lox rockets. 30 340 360 330 400 420 440 460 420
Performance levels are more than 5o oo HesL LeCumEl petiiclipuise
adequate to achieve reasonable o o o LnfLa EXisting Rockets
closures for TSTO optimall We need not push
staged rocket s stemg A)n/ e T Lox SOABIEIOR seq in study Performance, but do
YSIEMS. LH / Lox SOA Emvelope need Life & Reliability

elliptical  region shows the
projected performance of advanced Figure 2. Rocket performance

long life methane/lox engines. Advanced methane

engines appear to provide a number of design, development and maintenance related advantages which more than
offset their reduced density impulse. Technology is needed to improve reliability, maintainability and life.

Scramjet Engines

Two types of dual mode ram-scramjets were used in this study: 2D and Inward Turning. 2D scramjets have been
extensively studied and evaluated for the last 15 years. A reasonable, but by no means complete, body of literature
and data exists for them. Inward turning or streamlined traced scramjets are just as old but have not been studied to
the same extent; however, this is starting to change. The Crown inlet scramjet research from the 1960’s is a prime
example of both an inward turning and streamlined traced design.

Adequate scramjet data and technology are still a few years in the future. The study is using what | would call
nominal engine performance estimates. We did attempt to use conservative scramjet weight estimates to reflect use
of existing materials. For the purposes of this study, actively cooled panel weight was assumed to be 8 Ibs per square
foot, and maintenance models were made sensitive to cooled area. No data exists on the probability of damage of
these areas, so data on SSME rocket nozzle maintenance was used as a starting point. Our scramjet maintenance
models are still emerging and only cursory results will be reported here.
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Airframe Technology

Structure for the systems is assumed to be primarily Aluminum and Aluminum-Lithium alloys. An exception is
the use of Inconel in some vehicles as noted. Both —
rockets and air-breathing systems assume integral
tanks with TPS.

The impact of weight saving advanced structures
is not being reported in this paper, but the
assessment approach is explained in the results
section. Graphite composites are being considered
for tanks and other structures to save weight, and
hot and warm structures are being examined to
reduce TPS coverage and associated maintenance.

Thermal Protection Technology

The baseline TPS suite included technology
consistent with shuttle TPS with the exception of
extensive use of TUFI tiles in place of HRSI.
Advanced Carbon Carbon is assumed for leading
edges.

Fluid Related Subsystems

The subsystems for the baseline systems are similar to those of the Space Shuttle, just fewer of them. The ATS
includes numerous advances. Autogenous RCS, OMS, APU and main propellant pressurization systems are
assumed. Hydraulic and helium systems are eliminated. Fluid types are reduced down to lox, liquid methane (or
similar), liquid nitrogen, and water.

Maintenance Operations

Baseline maintenance actions are derived from the Shuttle database and the knowledgeable people at Kennedy
Space Flight Center who do its maintenance. They are derived from the Shuttle, but they are not Shuttle numbers.
They reflect the same kinds of activities, but on a much simplified system. ATS features include numerous design
improvements such as discussed above and shown in Figure 3. A ventilated rocket nacelle concept should
significantly reduce engine removal and replacement maintenance. Maintenance assumptions are covered
extensively in Ref 1.

VII.  Study Results

The SSTO Rockets could not be sized with SOA or the ATS used, but their trend lines are shown in figures 4-9
for completeness. The weights shown were estimated using SOA weight estimating relationships. Weight savings
due to advanced technologies can be easily estimated using the graphs and the weight statements for the systems in
question.

Graph Notation

The circles are the final solution weights. Plotted along with most circles are lines which indicate the empty
weight uncertainty for the system. The solution circles are conservative, so they are on the high end of the
uncertainty lines. Blue lines are used for systems that contain only LH and lox. Red lines are used for any system
that uses RP1 in some segment of its flight. Magenta is used for the systems with methane. The different fuels show
slightly different trends.

Uncertainty

Probabilistic (Monte Carlo) simulations show that the uncertainty for the rocket models is in the neighborhood
of 4% of the vehicle empty weight fraction, so that value has been used for every rocket system plotted. The
uncertainties in the airbreathing models are greater, but not well quantified. A 6% band is assumed for all of them
and seems reasonable, if not optimistic, given the state of our airbreathing models. The resulting length of the line is
caused by the uncertainty and the growth factor of the system being modeled. Systems which are harder to close (i.e.
have less margin) will have higher growth factors. If the system concept is beyond the reach of the technology,
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asymptotic weight growth occurs and no closure is possible at any weight. Green regions indicate reasonably good
solutions.

Gross Weight Trends

Figure 4 shows gross weight trends plotted versus empty weight for the different systems

Gross weight trends are frequently given, but don’t indicate whether the weight is propellant or structure. Most
of the gross weight for rocket systems is in the form of inexpensive propellants, primarily lox. For Airbreathing
systems a much higher percentage of the gross weight is in structures and propulsion. All of the vertically launched
systems, both rockets and airbreathers, have considerably lower empty weights than the horizontally launched
systems, with the exception of the SSTO rocket which did not achieve closure, i.e. could not be sized.

An examination of the details shows that there is a large weight penalty associated with the larger takeoff wing
and gear needed for the horizontally launched systems. The wing and gear weight is much lighter for the vertically
launched systems, which only need the wing for high speed flight and the gear and wing for landing while nearly
empty. Also, rocket engines weigh little, so installed thrust-to-weight ratios above one do not impose much penalty.
In the end, the weight penalty for increasing the size of rocket engines and associated structure is less than for
increasing the size of wings and gear.

Gross Weight Vs. Empty Weight

2.5-10° -

Uncertainty Bands ’ RSSIIOt

Rockets 4% of W gmpty ockets

Airbreathers 6% of W ng closure

cmey H LH 2D
2-10° MMw barely closeps
TSTO RP RP
Rockets
HTHL SSTO H HC In

—~ 6 Scramjets
&g 180 HLHIn
E 9 HTHL TSTO
S s V HC 2D RBCC/R SJ/Rocket
E 140
i o V HCR /2D . O TBCCI/R

TSTO RP RP/®

Hybrids grp H hcmw VTHL SSTO

Scramjets
5.10° HCR 1S3
VTHL TSTO
R/ SJ
0
0 5.10% 1-10° 1.5-10° 2.10° 2.5-10° 3.10° 3.5-10° 4-10° 45-10°
Empty Wt (Ibs)
Figure 4. Liftoff Weight vs. Empty Weight in (Ibs)
Empty Weight Trends

In figure 5, empty weights are plotted against the empty weight fractions. This chart clearly shows how the
uncertainty in empty weight fractions affects the various systems. Notice the extreme effect uncertainty has on the
HTHL SSTO launched systems. This indicates that they have less inherent design margin.

This chart can also be used to show the impact of weight saving technology on the empty weight of the systems.
First, you have to estimate how much the advanced technology will reduce the weight of the components. Then, for
each specific design, determine what fraction the effected components are of the empty weight fraction. For
example, let us consider the impact of graphite composite technology on the advanced methane design. If graphite
composite tank technology decreases tank weight by 15%, and the tanks make up 10% of the empty wt, and the
systems empty weight fraction is 12%, then the technology will reduce the empty weight fraction to:

(1-.15*.1).12 = .1182
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The “M M” methane system with SOA WERs weighs about 240Kk Ibs. If we reduce its empty weight fraction to
.1182 it will weigh about 220,000 Ibs.

Empty Weight Vs. Empty Weight Fraction

5.10° ;
' SSTO HLH 2D
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: Scramjets
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Figure 5. Total Empty Weight (Ibs) vs. Empty Weight Fraction

0
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Growth Factors Trends
Figure 6 shows a plot of Empty Weight Growth factors vs. Empty Weight. The growth factor is the derivative

of the empty weight with respect to a change in the “scaling empty weight” of the vehicle. It measures how sensitive
the design is to empty weight uncertainty. As can be seen, the large empty weight uncertainty bands are associated
with systems with high growth factors or high uncertainties or both. All of our rocket designs are plotted with 4%
empty weight fraction uncertainty and the airbreathers with 6%.

Examination of the following system sizing equation illustrates the general nature of the trend lines. Wy is gross
weight, wyyq is payload weight, wi, is fixed weight items and f; and f, are the scaling and propellant weights
divided by gross weight. For a given system, the payload and fixed weight items are constant by definition. The
scaling empty weight fraction is assumed to be constant for a given design concept as is the propellant fraction. In
practice these are very good assumptions in a neighborhood around the solution point.  As the sum of the scaling
empty weight fraction and propellant fraction approach unity, the gross weight grows asymptotically large.

_ Whpyld + Wix

dw e dws =

Wpyld + Wfx.n 2

.fS

g= 2
1-fs—Tp -fs—fp} W

o

In reality the fractions are not exactly constant, but they are very close to constant. A small correction factor was
introduced, and this equation was used to nicely curve fit the results of our computer models. The empty weight

growth factor equation is then derived as shown.
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Empty Wt Growth Factor
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Wetted Area Trends

Figure 7 plots Wetted Area vs. Empty Weight. You can see the nonlinear variation of the wetted area with size.
The wetted areas are nearly proportional to the empty weight to the 2/3 power as would be expected with scaling
which is nearly, but not quite geometric. You can clearly see the effect of the horizontal takeoff requirement. The
wetted areas are two or more times larger than for the vertical systems. Some of this can be removed by increasing
the takeoff velocity. HTVL systems also have the lower density LH fuel to contend with, and when one tries to
increase the density by using HC during the early boost phase one just drives up the wing size, with the net result
being no gain. The effect of HC during the early boost phase is completely different for the vertical takeoff systems.
The use of HC always reduces the wetted area for vertical launched systems.

Maintenance Trends

The RMLS  operations  and
maintenance model (Reference 1) is 25000.00
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damage, location on vehicle, type of attachment and water proofing needs. Some parameters are adjusted for vehicle
design differences, such as TPS area, others for technology improvements such as more durable TPS, which would
reduce the probability of damage.

Statistical models for main engines, fluid related subsystems, and TPS have been built up. These account for
most of the maintenance actions. Fluid related subsystems include: all pressurization systems, RCS, OMS, APU and
cooling systems. The ‘main engine’ and ‘fluid related subsystems’ models are primarily sensitive to their number,
type and quality, and not as sensitive to their size. Conversely, the TPS maintenance is directly related to wetted area
as well as to its type and quality. Figure 8 shows an example of a comparison between a SOA RP1/lox (RP RP)
system and an ATS methane/lox (M M) system. The ATS system has a range of improvements in technology, design
and development. Advances in TPS, fluid related subsystems, engines, integration all contribute to the large
reductions in maintenance.

The maintenance models for the airbreathing components have been defined, but as noted earlier, there is little
data with which to correlate our models. Work is ongoing, but some initial estimates can be made. If we assume
that each of the systems contains similar advanced rockets and subsystems, they should have similar maintenance
hours for each stage for these items. There are two exceptions, the ‘TBCC / R’, with its more complex booster, and
the hybrids with expendable upper stages. We are currently tracking about 2,800 average man-hours per sortie to
maintain the main engines and the fluid related subsystems for each advanced TSTO rocket ‘M M’ stage. | have used
this as an estimate for all advanced Methane stages and 3300 man-hours for advanced RP stages. To account for
airbreathing systems’ TPS and scramjet maintenance, we are currently assuming that most of the scramjet
maintenance will be related to its actively cooled panel area. The actively cooled panels, seals and actuator
maintenance should all be strong functions of cooled area. The scramjet systems’ TPS heating load is more severe
than the rocket systems’, and they have 5 to 15 times the amount of active cooling. The maintenance per square foot
will certainly be worse than the rocket systems, but by how much is hard to say. As an initial estimate, we are
assuming 0.25 man-hours per square foot for all the scramjet vehicles. This is about what our advanced orbital
maintenance is, so this estimate is optimistic.

Figure 9 shows that the systems with the lowest maintenance are the hybrids. They only have one small booster
to maintain; however, many millions of dollars worth of upper stage hardware are thrown away per launch. SSTO
vertical takeoff scramjets and TSTO rockets still appear to be favored if fully reusable systems are desired.

VIII.  Promising Concepts and Future Work

RMLS 102 is our current baseline reusable system concept. It is an optimally staged TSTO VTHL System. It has
serial burn HC/lox rockets on both stages. It is designed to be able to lose an engine on either stage at any time
during the launch and still make the mission. RP1 and other hydrocarbons have been investigated. Cryogenic
hydrocarbon fuels look attractive for their ability to simplify fuel related subsystems and operations. We will be
looking at methane very closely for all of our HC rockets. We will further investigate the complete removal of high
pressure hydraulic and helium subsystems through the use of autogenous pressurization and electric actuators. We
will be trying to get down to 4 fluids: methane (or similar), lox, water and liquid nitrogen. We will further
investigate the use of warm and hot structures for aero surfaces in order to minimize TPS maintenance. RMLS 102
is one of the smallest and simplest of the fully reusable system concepts investigated to date.

RMLS 107 is our hybrid system concept. The reusable booster is a smaller version of our RMLS 102. This system
concept seems to be a rational step between expendable and fully reusable systems.

RMLS 401 is a SSTO VTHL HC/lox rocket boosted LH Scramjet system. It transitions to scramjet mode at about
Mach 4 or slightly higher. The scramjet has minimal variable geometry and should be capable of Mach 4 to 14. It
features an inward turning semicircular or kidney bean shaped Busemann Inlet. A 2D scramjet will be carried along
as well. A large portion of the vehicle fuselage skin is designed to be in tension to minimize structural weight and
simplify construction. Integral LH tanks are used. A LH/lox rocket is used to finish acceleration into orbit. This is an
RBCC with the rockets integrated into the scramjet nozzle just downstream of the combustor. They are stored flush
when not used. The RMLS 401 is the smallest, simplest SSTO airbreathing concept investigated to date, and it
appears to be competitive with TSTO Rocket systems.

RMLS 304 is a TSTO VTHL HC/lox rocket boosted Scramjet system. The upper stage is a nearer term technology
version of the 401. It is staged at about Mach 4. The booster glides back to base, perhaps with a small amount of
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“boost back”. The scramjet is assumed to be less capable: Mach 4+ to 12+. If the 304 is designed around the hybrid
booster, it would be able to launch a payload of greater than 15,000 Ibs.

IX. Conclusions

e Numerous reusable and partially reusable rocket systems are attractive and technically achievable now,
but sufficient numbers of annual missions and reduced costs are needed to justify their development. They are
all two or more staged systems, and are vertically launched. The partially reusable systems are comprised of a
reusable booster with expendable upper stages. Vehicle turn times of one to two weeks appear to be achievable
with existing technology by using “ops-focused” design and development practices. The desired time of 24-48
hours (to be more “aircraft like”) is beyond the state of the art but is within reach with a reasonable level of,
again, “ops-focused” technology investment. Further reductions of turn time and operations costs will require
technical advances to support development of durable, operable thermal protection systems, rocket engines, and
fluid related subsystems. Maintenance and turn time is dominated by these subsystems.

e Technology development, design and system development must be focused on operability. A thorough
(more aircraft like) development program will be necessary to obtain the levels of operability desired. Such a
program could easily extend up to 10 years. Systems with considerable design margin make development
easier. To this end, it is paramount that we keep our requirements lean, focus on simple systems and optimize
them for high operability.

e Horizontal launch does not improve the turn time of launch systems, it increases it. This is due to the
increased maintenance associated with their larger size. Times to mate, transport and fuel should be similar for
both horizontal and vertical launch, while vertical launch pad mating, erection and fueling can be made small
relative to the maintenance times of large horizontally launched systems. Systems such as Zenit have shown
launch times of a few hours by automating the procedures.

e “Aircraft-like” operations for “access to space” should not necessarily imply turbine based horizontal
takeoff systems. Conventional wisdom is sometimes wrong. These launch systems fare very poorly against
vertically launched rocket and combined rocket/scramjet based systems. Horizontally launched TBCC/rocket
systems are among the worst, being larger, having heavier empty weights and much greater wetted areas,
including extensive amounts of actively cooled area. They are more complex, contain three different types of
engines, and will have significantly larger amounts of maintenance. Having said all of this, there are hypersonic
cruise missions where TBCC may be the engine of choice, but not for pure access to space.

e Airbreathing propulsion for *“access to space” should focus on vertically launched rocket/scramjet
systems with an eye to SSTO. Good scramjet performance in the Mach 10-15 régime, light weight integral
tanks and advanced thermal protection systems are critical in achieving this goal. It is very difficult for a TSTO
airbreathing concept to compete with a TSTO rocket system; having said that, a TSTO rocket boosted scramjet
would be a lower risk first step towards SSTO. This system could launch considerable payload using the small
hybrid class booster, and pave the way for SSTO. Above all we need to keep these scramjet designs as simple as
possible without giving up too much margin.
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This paper compar es developmental, production, and maintenance costs (DPM) of two-
stage-to-orbit expendable, hybrid, and reusable launch vehicles. This comparison was
accomplished using top level mass and cost estimating relationships. Mass estimating
relationships were correlated to existing launch system data and ongoing launch system
studies. Cost estimating relationships were derived from Dr. Dietrich Koelle's “Handbook
of Cost Engineering for Space Transportation Systems: Transcost 7.1". Hybrid launch
vehicles appear to be preferableif current or modest increasesin launch rates are proj ected
while reusable launch vehicles appear preferable for large projected increases in launch
rates.

Nomenclature

AOCA = Anaysisof Alternatives

CER = Cost Estimating Relationship
DOC = Direct Operating Cost

DPM = Development, Production, and Maintenance
ELV = Expendable Launch Vehicle
FUPC = First Unit Production Cost

HLV = Hybrid Launch Vehicle

LCC = LifeCycle Costs

MER = Mass Estimating Relationship
MYr = Man Year

RLV = Reusable Launch Vehicle

RMLS = Reusable Military Launch System
TPS = Thermal Protection System

TSTO = Two-Stage-To-Orbit

. Introduction

HE United States space launch market requires low cost access to space. The argument over whether an

expendable, hybrid, or reusable launch system should be used remains an ongoing debate. All current launch
platforms (other than the Space Shuttle) are expendable launch vehicles (ELVS). ELVs are less expensive and are
economically lower risk to develop. However, the tota life cycle cost (LCC) for ELVs rises dramatically for
increasing launch rates.
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Hybrid launch vehicles (HLVs) are defined in this paper to be a first-stage reusable, second-stage expendable,
launch system. HLV development costs are higher than those of ELV's due to fact that the first-stage booster is
reusable. HLV s offer higher reliability than ELV's due to airframe robustness and system efficiency. The analysis of
alternatives (AOA) performed by Aerospace Corporation concluded that the HLV is the preferred option based on
current launch needs.*

The last aternative is reusable launch vehicles (RLVS). RLVswill be significantly more expensive to develop
than HLVs or ELVs. However, RLVs provide the capability to meet both current and future needs of U.S. space
launch vehicles.® RLVs can be designed to be more flexible than expendable counterparts, providing aircraft-like
operations from military installations.

The purpose of this paper is to compare the developmental, production, and maintenance costs (DPM) of
expendable, hybrid, and reusable launch vehicles. This comparison was accomplished using top level mass and cost
estimating relations (MERs, CERs). Mass estimating relations were correlated to existing launch vehicle data and
ongoing launch vehicle studies. Cost estimating relations were derived from data and existing CERSs provided by
Dr. Dietrich Koelle's “Handbook of Cost Engineering for Space Transportations Systems: Transcost 7.1”.2

1. Research Focus

For this study, each launch vehicle is a two-stage-to-orbit (TSTO), hydrocarbon fueled, vertically launched
system. The HLV and RLV are both horizontal landing vehicles and therefore control surfaces and landing gear.
The maximum vehicle life for the reusable vehicles is set at 200 launches and the total system life is 20 years.
Development and first unit production costs are functions of stage dry mass. Maintenance cost is a function of
wetted 3area and engine dry mass. Maintenance relations were developed by the Aeronautical Systems Center
(ASC).

[11. Methodology

A. Mass Estimating Relationships
Assumptions® were made for the total change in velocity (delta V) required by the launch vehicle to reach low
Earth orbit to be 30,000 ft/s. Thisassumed deltaV accounts for aero, gravity, and back pressures losses experienced
during launch. Because the vehicles are hydrocarbon fueled, the assumed ELV first and second stage Isp values are
300s and 320s respectively. The ELV stage Isp values used are consistent with current expendable engines. The
RLV Isp values were 320s and 350s for first and second stages while HLV used 320s I sp for both stages. HLV first
stage and both RLV stages can afford using a more efficient engine due to their reusability. A structural mass
fraction of 0.045 was used for ELVs, while the HLV and RLV structural mass fractions were approximated via
summarizing the mass fractions for wings, stack, and thermal protection system (TPS). The MER model
approximates stage dry mass using basic rocket sizing relationships.
Figures® 1, 2, and 3, illustrate the MER model’ s prediction of dry mass with respect to payload mass. The
blue lines in each figure describe the predicted total dry mass, while the red lines describe the predicted dry mass of
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Figure 1. ELV total dry mass Figure2. HLV total dry mass Figure3. RLV total dry mass
versus payload ver sus payload ver sus payload
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the second stage. First stage dry mass can be found by subtracting the second stage dry mass (red line) from the
total dry mass (blue line). The MER models were correlated to existing ELV s used by industry or Reusable Military
Launch System (RMLS) studies performed by government. The sharp decrease in hybrid and reusable launch
vehicle dry masses at small payloads is due to the square-cubed relation of TPS. At very high payloads, the TPS
mass fraction becomes smaller.

B. Cost Estimating Relationships
The following sections cover the cost estimating eoees
relations for development, first unit production, and
maintenance costs of ELV, HLV, and RLV 200000 1
airframes and engines. Costs from the CER model
were outputted in Man Years (MYrs) but can be
converted to present dollars;, one MYr was 100000 |
approximately $230,000 in 2004". Figure 4 details

the different dollar equivalent of one MYr for the
past 60 years. o

1950 1960 1970 1980 1990 2000 2010

150000

$(USA)

50000

Figure4. Man year costs over the past 60 years

1. Airframe Development CER

Airframe development CERs were derived from best fit of data provided by Koelle. Airframe development is a
function of stage dry mass. The expendable and reusable airframe development CERs used in this study differ from
Koelle. When compared, the reusable and expendable airframe development CERs developed by Koelle showed an
inconsistent trend for increasing stage dry mass. The difference between the reusable and expendable airframe
development CERs decreased as stage dry mass increased. For this reason, two new curves were generated that
better approximate development effort as a function of dry mass.> HLV development costs are calculated using the
same RLV first stage and ELV second stage development CERs. The reason for this is because of the definition of
HLVs used in this study. HLVs are defined to have a first stage reusable booster and second stage expendable
orbiter.

2. Airframe First Unit Production CER

Airframe first unit production costs (FUPC) were determined via the same method as airframe development
costs. Existing FUPC data were correlated with a best fit power curve. Similar to the airframe development, the
reusable airframe FUPC CER developed by Koelle was found to be inconsistent with the expendable FUPC CER.
Comparison of the two CERs on the same graph revealed that Koelle's predicted reusable airframe production was
less than expendable vehicles with the same stage dry mass for low sizes. This was incomplete due to the increase
in system and airframe robustness required by reusable vehicles. To correct for this discrepancy, a new best fit
curve was devel oped.®

3. Vehicle Maintenance CER

Vehicle maintenance includes airframe, engine, and subsystems for the reusable and hybrid launch vehicles.
Since the HLV first stage and RLV's are launched more than once, the cost for turning the vehicle around must be
included for DPM analysis. Also, vehicle maintenance isimportant when designing a military system. Maintenance
time helps determine the fleet size required to carry out military-like operations with bomber-like sortie rates. The
engine maintenance CER® was developed by Brendan Rooney of ASC/XRE. Subsystem maintenance was assumed
to be 250 man hours for first stage booster and 500 man hours for the second stage orbiter. Airframe maintenanceis
related to wetted area of the vehicle. To calculate area maintenance, relationships of TPS area percentages were
derived from calculated maintenance times from previous work done by Mr. Rooney. It is important to note that
mai ntenance costs are very uncertain since no hybrid or reusable vehicles have been developed that provide accurate
data. For this reason, maintenance costs must be viewed as being a best-guess estimate.
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A. Vehicle Sizing

IV. Resultsand Analysis

Vehicle size for each aternative was predicted using a MER model. The MER model uses payload mass and
stage Isp to calculate vehicle dry mass. The MER model correlates well to existing launch vehicle data from
industry and RMLS data produced by government. Table 1 contains the stage I sp used for each vehicle alternative.
Table 2 details predicted vehicle dry mass while Fig. 5 graphically displays predicted dry masses for each alternative
sized for a payload mass of 15,000 Ibs.

Table 1. Stage | sp for Each Vehicle Alternative

Vehicle Type | 1st Stage (s) Isp | 2nd Stage Isp (S)
Expendable 300 320
Hybrid 320 320
Reusable 320 350

Table 2. Vehicle Sizing @ Payload of 15,000 Ibs

Vehicle Type 1st Stage Dry (Ibm) | 2nd Stage Dry (Ibm) Total Dry (Ibm)

Expendable 35996 13950 49946
Hybrid 86273 15109 101382
Reusable 163551 63673 227224

250000

Total Dry Mass

200000 A

Sized for payload of 15,000 Ibs

Expendable: Both Stages Expendable

Hybrid: First Stage Reusable/Second Stage Expendable
Reusable: Both Stages Reusable

150000

Dry Mass (Ibm)

100000

50000

.

Expendable

Hybrid
Vehicle Type

Reusable

mSecond Stage
DFirst Stage

Figureb5. Dry Massfor Each Vehicle Type

B. Airframe Development Effort

The development efforts for vehicles sized with a
payload mass of 15,000 Ibs are found in Table 3.
Development effort was calculated using the CER
model. The ELV development effort converted to 2004
U.S. currency is $8.7 hillion. The HLV isroughly twice
and the RLV is about 3.5 times that of the ELV
aternative. Figure 6 illustrates the predicted airframe

development versus payload mass.

Development Effort (millions $)

4

The HLV and RLV are both more
massive than the expendable. The
HLV isroughly two times, while the
RLV over four times the mass of the
ELV. The reason for the increased
dry mass is due to the aero surfaces,
TPS, and landing gear required by
the first stage for the HLV and both
stages for the RLV.

0 110 °

210 30°

Payload Mass (1bm)

OO Reusable Development (Payload = 15,000 lbs)

OO Hybrid Development (Payload

= 15,000 Ibs)

OO Expendable Devel opment (Payload = 15,000 |bs)

e Reusable Development
e Hybrid Development
= Expendable Devel opment

Figure 6. Developmental costsvs. payload mass

for each vehicle option
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Table 3. Airframe development effort @ payload of 15,000 Ibs

Vehicle Type Airframe Development Cost (2004 $)
Expendable 8.7 billion
Hybrid 17.4 billion
Reusable 30.8 hillion

C. Airframe First Unit Production Costs
First unit production costs are the price
tag of building the first deliverable.
Production costs decrease as more vehicles
are manufactured through application of a
production learning factor. A production
learning factor is dignificant for an
expendable vehicle due to the requirement of
a new vehicle for each launch. The CER
mode! predicts an ELV airframe cost of $167
million. For a learning factor of 95%, the
production cost will decrease to 71% of the
FUPC after the 100" vehicle is produced. A
Delta IV Medium launch vehicle delivers an
equivalent payload for a launch cost of
roughly $130 million in 2004 dollars® With
the application of a learning curve, the CER
model predicts a similar production cost. The
learning factor also applies to the second
stage of the HLV since that stage is
expendable. Figure 7 illustrates predicted
FUPC versus payload mass. Table 4 contains
the FUPC estimates for the different vehicle
options sized for a payload of 15,000 Ibs.

First Unit Production Cost (millions $)

1000 T T T T

Payload Mass (Ibm)

OO Reusable Total Vehicle FUPC (Payload = 15,000 Ibs)
OO Hybrid First Stage FUPC (Payload = 15,000 |bs)

OO Hybrid Second Stage FUPC (Payload = 15,000 Ibs)
OO Expendable Total Vehicle FUPC (Payload = 15,000 |bs)
- Reusable Vehicle FUPC (Payload = 15,000 |bs)

= Hybrid First Stage FUPC

= = - Hybrid First Stage FUPC

- Expendable Total Vehicle FUPC

Figure 7. First Unit Production Costsvs. Payload
Massfor Each Vehicle Ontion

Table 4. Airframe FUPCs @ payload of 15,000 Ibs

Vehicle Type First Unit Production Cost (2004 $)
Expendable: Total 167 million
Hybrid: First Stage 290 million
Hybrid: Second Stage 62 million
Reusable: Total 673 million

D. Engine Development Effort

Engine development effort is related to the size of the engines. A launch vehicle can use smaller engines which
cost less to develop but will require more engines per stage, increasing production costs. Table 5 contains the
engine sizing inputs used for this study. The number of engines was determined through discussion with individuals
from ASC. Engine thrust was calculated from vehicle gross mass and the number of engines used per stage. Table
6 is the predicted engine development effort for each vehicle alternative. Figure 9 illustrates the total engine

development required for each alternative.

5
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Table 5. Engine size @ payload of 15,000 Ibs

. First Stage . Second Stage
Vehicle Type Numb_er of Engines Engine Thgr]ust Number of Engines Engine Thrl?st
First Stage Second Stage
(Ibf) (Ibf)
Expendable 1 1079433 1 182100
Hybrid 4 320248 1 63130
Reusable 4 682726 3 142055
Table 6. Engine development costs @ payload of 15,000 Ibs
First Stage Second Stage Total
Vehicle Type Engine Development] Engine Development| Engine Development
(2004 $) (2004 3) (2004 $)
Expendable 3.68 hillion 1.75 billion 5.43 billion
Hybrid 3.33 hillion 1.78 billion 5.11 billion
Reusable 4.56 billion 2.37 billion 6.93 billion

Engine Development

54
4 .

B

B Second Stage
@ First Stage

Engine Development ($ billions)

Expendable Hybrid Reusable

Vehicle Type

Figure 8. Engine Development for Payload M ass of 15,000 Ibs

E. Maintenance Costs

Maintenance costs were included in the examination of DPM cost. The maintenance calculated using the
comparison model to service the vehicles for launch was found to be minimal, around $1 million for the reusable
and $270,000 for the hybrid. These costs corresponded to 6,000 and 1,330 hours respectively. Figure 9 shows the
minuscule impact of varying maintenance time on DPM. To understand the impact of maintenance, a high
approximation of 10,000 hours per launch for the reusable and 3,800 hours per launch for the hybrid were used for
the comparison. Thetotal cost for the 10,000 hour maximum maintenance time equated to $80 million dollars after
400 launches for the reusable launch vehicle. Thisis pennies compared to the total cost of the system. However, as
stated earlier, maintenance time does affect fleet size. For military applications, during a surge in launch
requirement, fleet size will need to be increased to provide the required sortie rates. The following example
illustrates how maintenance time impacts fleet size.

A reusable vehicle sized for a payload mass of 15,000 Ibs is estimated to require a total of 6,000 hours of
maintenance time after each flight. 1f the maximum number of people able to work on the vehicle at any one time
was limited to 50 individuals, then a vehicle could be ready for flight after a minimum of 120 hours. This would
include vehicle and engine inspection, replacing broken TPS panels, and other activities. If surge operations
dictated launch rates of 1-3 launches per day, then a small fleet size of 3 vehicles would be insufficient to
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accomplish mission needs. Instead fleet size would need to consist of 5-20 vehicles since each vehicle would be
under maintenance for roughly 5 days and therefore, unable to launch.

g-10 T T T T T T T

Systemn Life = 20 Years
Reusable Wehicle Life = 200 Launches
4 Payload Mass = 15,000 Ibs _

$a0 million

DFM Costs (millions )
I
T
>

| | | | | | |
1] 50 100 150 200 250 300 350 400

Launches

— RLY: 10,000 hours of Maintenance Per Flight
—— RLV: 0 hours of Waintenance Per Flight

—— HLWV: 3,800 hours of Maintenance Per Flight
—— HLV: 0 hours of Maintenance Per Flight

Figure 9. Effect of maintenance on DPM costs

F. Cost Analysis: Total DPM Comparison

The following analysis compares DPM costs if each vehicle alternative were to undergo complete development
and production for an assumed system life of 20 years. Figure 10 illustrates the DPM comparison and the
preferential launch regions for each vehicle alternative. Figure 11 includes the same information; however, DPM is
plotted against an average launch rate per year. Figures 10 and 11 were generated via summarizing DPM costs over
the total system life. As stated earlier the HLV first-stage and both RLV stages have a maximum life of 200

launches.

T L " T
g0t | | Systemn Life = 20 Years |

Reusable Vehicle Life = 200 Launches
Payload Mass = 15,000 bs

T T T T T
s || System Life = 20 Years

Reusable Yehicle Life = 200 Launches
Payload Mass = 15,000 |bs

DPM Costs (millions B)

DPM Costs {millions §)
5] ey
T T
1
[¥] I
‘L\
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K- Expentiable; 2| Hylorict Reusable . €Expeniable | ; Hiyhrid | Reus?ble
!
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= Reugable Launch System: DPM

Launches

= Reusable Launch System: DPM — Tybrid Launch System: DEM
— Hybnd Launch System: DPM = Expendable Launch System: DPM
= Expendable Launch Systern: DPM »
Figure 10. Total DPM costsvs. number of launches Figure 11. Total DPM costsvs. average launch
rate per year

If each vehicle underwent complete development and production then the expendable vehicle would be
preferable for lower than 75 launches over a 20 year system life. The hybrid vehicle would be preferable for 75 —
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200 launches and the RLV preferred for launches greater than 200 launches over 20 years. The slopes of alternative
inFig. 10 and step sizesin Fig. 11 describe the cost for each additional launch. ELVs have lower development costs
compared to hybrid and reusable vehicles but require new vehicles for each launch. Nonetheless, as the number of
launches over the system life increase, the higher production costs outweigh the lower development costs after an
average of 5 launches per year. Similarly, the lower development cost of the HLV compared to the RLV is
outweighed by the production costs for average launch rates greater than 10 per year. The RLV curve consists of
mai ntenance costs and new vehicle production amortized over the vehicle life of 200 launches, therefore the dlopeiis
close to linear. This comparison is valid only if each system undergoes total DPM. However, since expendable
vehicles currently exist, no new expendable development needs to be completed. Therefore, further analysis will
compare the different vehicle aternatives for areal world scenario.

G. Cost Analysis: Payload Size Impact for Total DPM vt
Figure 12 illustrates how total DPM is affected by
varying payload mass for a lifetime of 400 launches over
20 years. As payload mass increases, the vehicle dry mass
increases and subsequently, so do development,
production, and maintenance costs. Figure 12 shows how
the number of launches required for an HLV or RLV
system to be preferred decreases as payload mass 210°
increases. Simply put, large payloads favor HLV's and
RLV's sooner compared to expendable vehicles when each o e ! .
dternative undergoes complete development and L aunches

production. —— Reusable DPM @ Payload Mass = 60,000 Ibs
- - Reusable DPM @ Payload Mass = 15,000 Ibs
—— Hybrid DPM @ Payload Mass = 60,000 Ibs
= = Hybrid DPM @ Payload Mass = 15,000 Ibs
—— Expendable DPM @ Payload Mass = 60,000 Ibs
- - - Expendable DPM @ Pavload Mass =15.000 lbs

DPM Costs (millions $)

Figure 12. Total DPM for increasing payload size

H. Real World Scenario: DPM Comparison

Asdescribed earlier, ELVsare currently in use today and therefore do not require further development. Also, the
hybrid vehicle is planned to use existing second stage engines and require minima second stage airframe
development due to use of an expendable second stage. For these reasons, a comparison of current expendables was
completed against a reusable vehicle and the hybrid vehicle being designed by the U.S. Air Force. Figures 13 and
14 detail the preferential launch regions for the real world scenario.

310 : : ;
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Reusable Vehicle Life = 200 Launches Reusable Yehicle Life = 200 Launches

T
, Payload kass = 15,000 Ibs Payload Mass = 15,000 bs
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Figure 13. Real world DPM comparison vs. Figure 14. Real World DPM Comparison vs.
number of launches Average Launch Rate Per Year
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On the basis of DPM costs, HLV's are preferable for 200 — 260 launches, or roughly 10 — 13 launches per
year over 20 years. The RLV, with its lower cost per launch, dominates the hybrid for launches greater than 260
over 20 years and current expendable systems for launches greater than 225 over 20 years. Again, this real world
scenario includes limited development for the hybrid vehicle. If complete development were to take place, then the
hybrid launch vehicle would not be preferable against the expendable or reusable launch vehicle. Being said, both
the hybrid and reusable systems have lower direct operating costs (DOC) than the expendable alternative. Analysis
of DOC will be further discussed in a later section. The following section will address total cost-per-pound of
payload for the real world scenario.

I. Real World Scenario: Cost-Per-Pound of Payload

Figure 15 describes how the total cost-per-pound of
payload decreases as the number of launches during the
system lifetime increases. The DPM costs for the red
world scenario were amortized over the amount of payload
lifted to low Earth orbit. The blue oval corresponds to
current world launch costs of $12,000 per pound of
payload for the U.S. and $6,000 per pound for non western
countries. The oval was plotted for 120 launches. This
number of launches corresponds to the six missions the
U.S. military carried out in 2005.

The expendable cost-per-pound of payload trend ) ‘ . . . ‘ . .
predicts that current launch costs well.  Figure 15 oo meamemeam me am
illustrates low cost-per-pound of payload requires a large Launches
number of missions for hybrid and reusable vehicles. The o s e oot
HLV and RLV systems included development and —— ELV: Uit Production Only
therefore & larger number of launches needs take place Figure 15. Total Cost-Per-Pound of Payload for
ES:S;'[ g;t:) et?(;:lb | g(snst—per—pound of payload falls below Real World Scenario

Current launch
costs worldwide

Tota Cost-Per-Pound of Pavload (2004 §)
v
=

J. Direct Operating Costs

Development is an indirect cost while £10 | . T T . | |
productlor_1 and mai ntenance are direct 20 Year Syster Life
costs. |t is the direct costs that affect an Payload Mass of 15000 lbs
i ion’ i Mo Development
organlzatlon S Operatl ng bUdget 610° - Only FUPC and Maintenance

Therefore production and maintenance
are known as direct operating costs
(DOC). Figure 16 displays the DOCs
trends for the different launch vehicles
aternatives. Figure 16 was generated by
summarizing production and maintenance
costs for each aternative and plotting 20
them against the number of launches.

The direct operating costs for

Costs (millions §)

expendable and hybrid vehicles rise 0 ' ' - . . . I
dramatically for increasing number of f " 1o 10 &0 =0 0 =0 0
launches.  Each launch requires the Launches

production of a new ELV or HLV second — RLYV Total DPM

stage. The DOC for the RLV remains — HLV: ARES (Mo 2nd Stage Engine Devleopment

amost flat consisting of maintenance = ELV: Unit Production Only

costs and RLV vehicle production costs

?mortri]zed over the vehicle life of 200 Figure 16. Direct Operating Costsvs. Number of Launches
aunches.

Lower DOC alows for greater mission flexibility. A decision maker can afford to send multiple sorties using
RLVs to complete a mission and still spend less than one launch using a current ELV. For that reason, RLV allows
for greatest mission flexibility of the three alternatives. HLV s are ranked second best with a DOC of roughly half of
ELVs.
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K. DOC: Cost-Per-Pound of Payload

If the government were willing to pick up the
development costs for a hybrid or reusable launch 2510 . . . .
vehicles, then industry would see launch costs
similar to those found in Fig. 17. An anaogy for
a dtuation where industry profited from
government developed system is the Boeing 707
spin off from the KC-135. Boeing was able to
save hillions in development by using the design
of the KC-135 when developing the Boeing 707
and subsequent aircraft.

Figure 17 details how the U.S. space industry
would be able to offer launch costs on the order of
$1,000 per pound of payload for RLVs and
$6,000 per pound of payload for HLVs. This
reduction in launch costs would make the U.S.
competitive with other nations in the space launch ) I . ‘ . ‘ 1 ‘
market. HLV launch costs of $6,000 per pound of # " wem 25” o e
payload would be similar to those offered by non-
western  nations using current  expendable —— KLV Paytoad Mass = 15,000 los
vehicles. However, the RLV launch costs of :%g- ppfilnofmlfff;fnnnnnu }Ef
$1,000 per pound would alow the U.S. to
recapture of the world launch market. Not only
would the cost-per-pound be lower than current
worldwide expendable systems, but the vehicles would be more reliable due to flight testing and maintenance. This
decrease in launch costs would open the space market to any who could afford a payload.

210 —

Current launch

Li10t costs worldwide i

110

Taotal Cost-Per-Pound Payload (2004 $)

000~ B

Figure 17. Direct Operating Costsvs. Number of Launches

V. Conclusion

A. Expendable Launch Vehicles

Expendable launch systems have relatively low development costs and are well understood. Except for the
Space Shuittle, al other current launch vehicles are expendable systems. ELVs can be designed to launch in a few
hours, but have high direct operating costs and long production times that limit their ability to take on more missions
if needs develop. In the case of a surge in launch requirements, it is necessary to have a stockpile of complete
systems available which to draw from. Expendable systems are preferable for predictable, low launch rate missions,
but will have trouble responding to higher launch rates.

B. Hybrid Launch Vehicles

Hybrid launch systems will cost roughly twice as much to develop due to the complexity and cost of the reusable
booster. A hybrid system is well within current technology. Development risks are slightly higher than expendable
systems, but direct operating costs are lower, by about half, due to the reusable first stage. Additional development
effort is needed to insure that the booster is sufficiently reliable and that the system as a whole is more responsive.
Unlike the expendable system, only upperstages need to be stockpiled for surge requirements. Hybrid systems are
preferable over expendables for current or modest increases in predicted launch rates.

C. Reusable Launch Vehicles

Reusable launch systems have the highest development costs and technical risks of the three alternatives
analyzed in this research due to booster and orbiter complexity, but the technology is within current state of the art.
The extremely low direct operating costs quickly outweigh the high development costs for launch rates above about
20 per year. A reusable system is the more flexible system due to their extremely low direct operating costs. They
require only stockpiling of payloads to support surge operations. Reusable launch systems are the systems of choice
if it is believed that future launch rates will increase significantly and will require responsive and flexible launch
capabilities.
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Abstract

The effect of design and technologies on the ground operations of a reusable launch

vehicle is required to make space access affordable. A gap in turnaround time exists
between the reality of the Space Shuttle and the goals of a military reusable launch vehicle.
A discrete-event simulation isin development to find ways to reduce this gap in turnaround
time. Manpower and component failure data from past aer ospace systems are used to define
root causes and times of maintenance actions. Stochastic models are developed to simulate
the component failures and repair times for these maintenance actions. Finally the Arena
discrete-event simulation uses the maintenance infor mation to evaluate tur naround time and
manpower effects of various designs and technologies.

Nomenclature

Advanced Flexible Reusable Surface Insulation
Flexible Reusable Surface Insulation

Ground Support Equipment

High-temperature Reusable Surface Insulation
length of time complete one maintenance action
number of tiles needing removal and replacement per mission
Orbital Maneuvering System

probability of removal for each tile

Reinforced Carbon-Carbon

Reaction Control System

Reusable Launch Vehicle

Responsive Space Advanced Technology Study
Total Tile area on the vehicle

individual tile size

total man-hours required per mission

Thermal Protection System

. I ntroduction

HE purpose of a Air Force Reusable Launch Vehicle (RLV) is to deliver payloads to low earth orbit. The
Space Shuttle was originally designed to accomplish thisin atimely and cost effective manner, but fell short in
thisregard. The Air Force needs to design alaunch vehicle to achieve a fast turnaround time at low cost. The

key to having fast turnaround in an RLV is a design that has a small logistical footprint. A low maintenance RLV
reduces cost and turnaround time. The RLV design must be assessed with respect to maintainability. A computer
model using conceptual design inputs was developed for this purpose. The paper will explain the research, the
modeling approach, the vehicle systems modeled thus far, some results, and future potential for the project.

" Aerospace Engineer, Aerospace Systems Design and Analysis, WPAFB,0H, and AIAA Member.
" Aerospace Engineer, Aerospace Systems Design and Analysis, WPAFB,OH, and AIAA Member.
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II. Basic Approach

In order to properly assess an aircraft or space plane for maintainability the background on historical vehicles
must be known. What areas on a vehicle cause the greatest maintenance headaches? What are the causes or failure
modes of the maintenance? How long does the maintenance take to complete? These are the questions that were
asked at the beginning of the project. The vehicle systems with the most maintenance must be known in order to
guide the technology programs in achieving maximum maintenance man-hour reduction using limited resources.
Knowledge of failure modes which caused each maintenance action can be used to redesign the vehicle or use
advanced technology to eliminate or reduce maintenance actions. The length of time to complete a maintenance
action will then help with determining total maintenance man-hours or the amount of work required for each
subsystem. Research in answering these questions started with looking at the Space Shuttle, however other vehicles
and subsystems were also researched. Experts working on the Space Shuttle are a good source for determining
mai ntenance causes that can not be learned anywhere else. Numerous research papers on each subsystem provided
information to help fill in gaps about failure modes and maintenance times. All of the information was then used to
determine the modeling approach for each subsystem.

Once the initial research was completed a
Pareto chart of the maintenance man-hours of
the Space Shuttle was analyzed. The thermal 40000
protection systems (TPS) require the most
amount of maintenance man-hours per mission.

35000

The TPS require modeling high temperature 300007
tile, leading edge protection, advanced blankets, 25000
low temperature blankets, and seals. Due to the 20000

large amount of maintenance man-hours, the
thermal protection systems were the first to be
modeled. The modeling process consists of

15000

10000

three main steps: 50007
1) Develop probability distributions' of 0 : : —
failures and maintenance actions. RS &é‘ o o\“é &
2) Monte Carlo simulations. Ny é&\ &
3) Discrete event smulation. & &°

The probability distributions calculate the
number of maintenance actions or failed parts Figurel. Man Hoursin the Orbiter Processing Facility.
for a particular component or system. Space Shuttle STS-85 Man-hours Courtesy Edgar Zapata
Probability distributions also calculate the time NASA KSC
to complete a maintenance action. Monte Carlo
simulations, which “roll-up” the distributions
into higher level statistics, provide total maintenance man-hours for that maintenance action, i.e. total man-hours for
tile removal and replacement. The discrete event simulation uses all this information, queuing time, and resources
to calculate total turnaround time and man-hours and allows for exploration of ground operations optimizations.

A. Development of Probability Distributions

The objective of the models is to identify failure modes, predict failures of components, estimate the
duration of maintenance actions, and make all of these sensitive to design choices and technology. The modeling
approach primarily uses probability models, i.e. involving statistical distributions, to calculate the quantity and types
of failed parts and the time required for maintenance. The type of distribution needed for each calculation depends
on the total quantity of parts that might need the maintenance action. For the TPS models a Poisson distribution is
used because of the high number of tiles (20,000) and blankets. The objective for each system using the Poisson
distribution is to calculate the average number of parts needing the operation. The calculated average will give the
number of parts failed during the mission. To have a good understanding why parts are failing the failure modes for
the maintenance actions must be known. If there are different failure modes the Poisson distribution calculations are
repeated for each and added together. The Poisson distribution works well for design parameters such as TPS area
or seal length. For smaller part quantities that use metric design parameters a binomial distribution is used. The
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general format for determining the average parts failed is explained below. The number of tiles that need removal is
given as an example. The model must be sensitive to Tile Area (TA) to be useful as adesign tool. Thetile size and
probability of removal and replacement (Failure Rate) are unique for the black tile and are assumed constant.

Average_Parts_ Failed = * Failure_ Rate Q)

TileSze

Once the failure modes are known the contribution for each can be calculated using the following type of equation.

TA

Average Parts_ Failed =
TileSze

* F * Failure_ Rate (2

The F symbol represents the fraction of parts that are subject to that failure mode. A Poisson distribution uses a
“roll of the dice probability” between 0 and 1 with the average number of parts failed. A generic version of the
calculation used for many of the systems on the vehicle is shown. The equation is an inverse cumulative probability
distribution.

Number _of Parts_Failed = gPoisson(random__ probability,average # failed) 3

In the cases for scheduled operations, such as leak and functional checkouts, the number of failed parts requiring
service, e.g. engines, thrusters, do not need to be calculated. However, the frequency of the scheduled operation is
entered into the model.

The time to complete the maintenance actions are then determined using a probabilistic model. The triangular
distribution was chosen to represent man-hours because of the simplicity of the inputs. Three inputs of minimum,
most likely, and maximum duration are al that is needed. A historical minimum and maximum based on percentage
of the most likely value is used, i.e. 80% to 150% of the most likely value. Some operations have insufficient data
in regards to minimum and maximum values, so an educated estimate based on percentages for similar systems fills
inthe gap. Severa of the operations have a fixed most likely value based on averages. However, where information
is available and physics alow, a most likely value can be calculated from a baseline using a design parameter. For
example, thrust levels of an engine determine the most likely value for engine removal. Since engine size can be
changed in conceptual design models, the time to remove an engine should change due to a larger size or complexity
in removal. Time to remove the engine is expected to vary non-linearly with engine size. The following equation
helps explain the concept.

MostLikely Value = Setup _Time + reference_value* (Thrust / Thrust _reference )*0.8
Minimum_Value = MostLikely Value* Historical _ Percentage 4
Maximum_Value = MostLikely _Value* Historical _ Percentage

After the three inputs are set the triangular distribution is defined.
Time_To_Complete _Operation = gTriangle( random__ probability, min,most, max) 5)

One now has an engine removal model which is sensitive to size. Discussions with maintenance personnel and
technologists can now be undertaken to determine the values one should use for specific engines and installation
concepts.

3
American Institute of Aeronautics and Astronautics

61



4 I I ' ' Triangular Probability Distribution
2 5 05
& =
é RinovTimeT) g
Thrust_Ref =
g 000 o
3
T 0
20 22 24
o ! ! ! ! Flow Hours/ main engine removal

0 200 400 600 800 1000

T,470.596
Vacuum Thrust in kibs at 100%

Figure 3. Example Distribution Duration to
Figure 2. Plot of Engine Removal Time for Complete Maintenance Action
Varying Thrust

B. MonteCarlo Simulations

The objective of the Monte Carlo simulations is to predict the total maintenance man-hours for a subsystem and
the variance. The Monte Carlo simulations use the probabilistic models to calculate the total man-hours. These
types of calculations are useful in assessment of technology. A new advanced technology can be compared against
an old technology. The assessments are particularly helpful in guiding technologists where to put limited funds if
operability isa goal. The first step uses the probabilistic model for determining the quantity and type of repairs or
service needed. Then for each maintenance action man-hours are calculated. The number of technicians needed for
a maintenance action is based on historical data. The number of technicians needed is multiplied by the duration
giving total maintenance man-hours for the parts. The steps are repeated for each maintenance action and totaled.
The simulation is hormally run 1000 times with a new random probability for each run in order to generate statistics.
The Monte Carlo ssimulation, shown in figure 4, outputs statistics for the total man-hours. It is these maintenance
man-hours that help assess the amount of work required for maintaining a particular system or technol ogy.

As an example a statistical rollup model (curve fit)
for the total number of HRSI tiles removed and replaced ~ TM (TileA) := | TM [, « 0
can be derived from the Monte Carlo simulations of al
of the failure modes. The rollup model matches the
results of the simulation, but runs many times faster. Use M h « qTriangle(rnd(1), mn, most, m>
of the mode! will not require rerunning of the simulation TMp«TMp+Mhp
of the separate root causes thus saving time. The model
must be sensitive to Tile Area (TA) to be useful as a ™hn
design tool. Thetile size and probability of removal and ~ Figure4. Monte Carlo Simulation.

replacement (pTileRR) are unique for the HRSI “black” ~ Mathcad” Equation for determining total Man-
tile and are constant. hours using total humber of failures (NFgg) and

duration of each maintenance action (qTriangle).

for i e 1.. NFRy(TileA)

Inverse cumulative probability function

gNFRR(p,TA) = gPoisson(p,——— - pTileRR) (6)
TileSze
Density probability function
dNFRR(x,TA) = dPoisson(x, - pTileRR) @)

TileSze
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Models
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o
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at 3000 sqft Tile Area
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at 10,000 sqft Area

hhohoh oy

Figureb5. TileFailuresfor Varying Tile Area.

The above Poisson distribution can be used when only the tile area changes in adesign. If adifferent type of tile
is used, or the designer thinks the effect of each failure mode needs changing, then the lower levels will need to be
recalculated. This new equation can represent varying tile areas quickly as figure 5 shows. The same roll-up, shown
infigure 6, for varying tile areas can be done for total man-hours to remove and replace all failed tiles aslong as the
underlying TPS system is the same. This approach allows us alot of flexibility in providing the appropriate level of
detail and or speed in our discrete event simulation models.

Histogram of Data

0.001

5.10 4

Probability

0
3000 4000 5000 6000 7000
Total Man Hours, Tile R&R

Figure 6. Total Man-hours Histogram Example.

C. Discrete Event Simulation
The objective of the discrete event simulation is to predict how quickly the vehicle can launch again and the
resources required. In other words how many sorties can the user of the Reusable Launch Vehicle fly and how
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much money will it cost? The parameters of interest are usually turnaround time, number of personnel, and other
resources required to maintain afleet. A discrete event smulation model has the ability to take the necessary inputs
and calculate maintenance man-hours and turnaround time as a function of the number of resources and sequence of
operations. The Arena® computer program is used for the flexibility and user interfaces the program offers. The
visual basic application combined with Arena makes it easy to have a graphical user interface, shown in figure 7, or
input files such as a spreadsheet.

Enter, Model Yariables (Default ¥alues are Space Shuitle) E|
TPS Main lTiIes Process ] Gap Fillers ] High T Blanket) Thermal Barriers ] Engines|Pressurization ] Orbital Propulsion&PUHydraulics ]

... - High Temp Blanket - - 1800 bo e
o Area fsaft) | oo [ Get rid of rewaterproofing on high temp blankets?

.. - Low Temp Blanket - -
ColAreafsafty. oo b oo T
.. High Temp TPS - -
.. Mose Cap Area i

S (soFtHRCCType) o
i HighTemp TP © 0 [ an
Cowing Areadsgfty Dl
Do DHRCCTYRED Tt
.. Other (saftd (LRSI - [ qaq

5 * For Shuttle) [ ........................................................

Figure7. Visual Basic Graphical User Interface

With proper programming, design parameters taken from a conceptual design such as tile area and thermal
barrier length are entered into the discrete event simulation along with number and types of resources and job flow
sequencing information. The simulation outputs desired operability metrics to guide the designer, technologist, and
the user of the Reusable Launch Vehicle.
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Generic Cycle Time Outputs From Timeline Simulation
Total Tgrnaround g7
Time
TPS Time 15

OMS/RCS Time 19

Engine Time 87

0 20 40 60 80 100
Days

Figure8. A Generic Output from the Discrete Event Simulation.

[11.  Scope

The systems modeled for a reusable launch vehicle are Thermal Protections Systems or TPS, Main Engines, and
Fluid Related Subsystems. Fluid Related Subsystems include main engine pressurization and feed system, Orbital
Maneuvering System and Reaction Control Systems (OMS/RCS), the Auxiliary Power Units (APU), actuation
system, and Active Thermal Control System (ATCS). The maintenance data*>° supplied to the models is based on
Space Shuttle information. The scope of the project to date has been focused on unmanned vehicles. However there
is enough information available to model a manned version. The current ground operations simulation configuration
models the repair facility operations for the three vehicle areas mentioned. The landing, mating, and pad operations
are not included as of the time of this writing. However, the repair facility operations are the largest with regards to
man-hours and turnaround time. Each of the three systems models will be described in detail. A two stage to orbit
vehicle, caled RMLS102, capable of carrying 15,000 Ibs to low earth orbit was designed. For each system the
RMLS102 design inputs for two technology levels will be described. The first technology level is called a baseline
design and only assumes current technology. The second technology level is an advanced design with assumptions
about improved durable TPS, nontoxic propellants, etc. The advanced technology assumptions are considered
conservative and just afirst order of magnitude reduction. No assumptions are made about improvements in worker
productivity, more efficient management, or less quality control personnel. These types of improvements will be
part of an upgrade to the simulation.
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RMLS102 Concept

Booster
RCC (ft2) 0
HRSI (ft2) 0
AFRSI (ft2) 6863
FRSI (ft2) 4855

Orbiter
RCC (ft?) 411
HRSI (ft2) 2134
AFRSI (ft2) 1321
FRSI (ft2) 1709

Gross Wt(Ib) 1.87m

Figure9. A Military Reusable Launch Vehicle Design with TPS ar eas.
NOTE: Design Synthesis Performed by A. Hartong. Vehicle weight includes 15% margin.

IV.  Thermal Protection Systems Modd Description

The TPS model contains several major models to provide part failure and man-hour data. The high temperature
tile such as Space Shuttle HRSI has three maintenance models. The models are flexible enough to simulate different
technologies such as metallic tiles. All models calculate the number of parts requiring a maintenance action then use
the triangular distributions for man-hour calculations.

[ Thennal Protection |
[ TPS Inspections —
[ Tiles —
[ Elankets | —
| Tile Mairfenance | —
[ Repair in Place | —
[ R&R |
I Blanket RER
[ Gap Fillers [—
[ Repair in Place | —
( RER —
| Thenmal Eamier RER | —
[ Low Temperature Reqion |
[ High Temperature Region j—
[ Cross Feed Door | ——
[ RENTCE CAlON-CalioN je—
[ Leading Edyge RER | —
[ Nose Cap RE&R ]
[ Re-waterproofing |
[ Tiles | —

[ Advanced Blankets  —

Figure10. Thermal Protection Systems Scope.
All possible maintenance intensive operations.
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A. Tilemaintenance models.
Tiles are removed due to five failure modes”:

1) Thetilesareremoved to gain access to failed parts under the TPS.

2) Debriscan hit tiles any time during the flight (for shuttle mainly due to ice and foam from the external tank

and kicked up debris by the engines at takeoff) causing damage bad enough to cause removal.

3) Ground handling damageto tiles is caused by technicians that need to repair TPS or other parts..

4)  The environments the tiles are subjected to require that there be no misalignments on the vehicle, any tiles

that fail the criteriafor safe flight are removed.

5) Findly, tiles can be removed because of engineering modifications, but they are a small portion of the

removals.

The second and third maintenance models involve repairing of the tiles while till on the vehicle. Chips are
small impact damages with the coating and a minor amount of tile substrate missing. Gouges are larger impact
damages but are similar in nature to chips. The three major failure modes for minor repairs are:

1) Debrishitsfromice and foam

2) Hitsonthe heat shield areafrom engine plume recirculation

3) Crossfeed door debris coming from protective Mylar

Equations for al three tile maintenance actions are made using individual tile size, total tile area, fraction of tile
due to a failure mode, and probability of tile removal due to that failure mode. The equation creates a Poisson
distribution of the number tiles, chips, or gouges needing repair or removal.

Baseline System for Tile Maintenance Models

The baseline design for the RMLS102 thermal protection system will be similar in technology to the Space
Shuttle but will differ in a few key areas. The damage from debris hits is reduced drasticaly because there is no
external tank foam falling and very littleice. The table compares the acreage for the Space Shuttle orbiter and both
stages of the RMLS102.

Space Shuttle  RMLS 102 Orbiter RMLS 102 Booster
Windward TPS Area Sq ft 5164 2134 0
High Temp Blankets 1800 1321 6862
Low Temp Blankets 3581 1709 4855
RCC Wing Area 360 267 0
RCC Other 49 144 0

Tablel. Comparison of RLV Thermal Protection areas.

Advanced System for Tile Maintenance Models

The advanced design primarily assumes a more durable TPS system. Most probabilities for tile maintenance are
reduced to 1/6 of the original. The probability to remove a tile due to needing access to other parts is reduced to
about 3/4 of the original. The time to replace atile is reduced to an average of about 1/3 of the origina time. If
there is a need to remove atile then there will still need to be time allocated for manufacturing or modifying the tile
even if bonding time is reduced or attachments are used.

B. Advanced Blanket Subsystems M odels

The advanced blankets are those that are similar in function to the AFRSI® blankets used on the Space Shuittle or
another technology such as a tougher blanket. These blankets have replaced most of the white tiles that were used
earlier in the Shuttle Program. The blanket removals are caused by two primary failure modes:

1) Thereis a drag chute used on the Space Shuttle during landing. The chute comes out of a door at the
bottom of the vertical tail. The door must be protected by high temperature blankets. The drag chute door
blankets are expended at the end of every flight and must be replaced.

2) Blankets aso must be removed due to damage during flight.

There are also low temperature blankets called FRSI used on the leeward side of reusable launch vehicles. The
FRSI type blanket removals are not modeled for now because the maintenance associated with these are very low,
however the impact on inspection time is modeled.

Baseline System for Advanced Blanket Models
There are no drag chute blankets. This reduces advanced blanket man-hours.
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Advanced System for Advanced Blanket Models
Blanket removal and replacement time is reduced to an average of about 2/3 of the original. The probability of
removal isreduced by 1/2 due to atougher blanket.

C. Gap Filler Maintenance M odels

Gap Fillers are used in between tiles to prevent heat from entering in. They are normally made of Nextel fabric,
Inconel foil and alumina batting®. Damages include lost coatings, frays, fabric breaching, tears, charring, and
protruding or lost gap fillers. The failure modes are split into areas based on information that was available. Gap
filler maintenance has two models: repairs in place and removals. The failure modes are split into primary areas of
the vehicle:

1) Damage occurs on the vertical stabilizers

2) Near thewings

3) Forward fuselage area because of the high heat gradient

4)  The aft areaincluding the base heat shield.

The gap fillers needing maintenance are calculated based on the probability of repair or removal per square
footage of tile area. The average number of gap fillers needing repair or removal per square foot is multiplied by the
total area. Thiswill change in the future to be sensitive to the individual tile size. The numbers that need repair or
removal are based on the probability of repair or removal for each failure in the same way asthe Tile R& R model.
Baseline System for Gap Filler Models

Gap Fillers are the same as Shuittle but less gap fillers are required because of smaller tile area.

Advanced System for Gap Filler Models

Gap filler maintenance time and probabilities are reduced by about 1/2 because the gap fillers are assumed to be

more robust and easier to install.

D. Thermal Barrier Maintenance M odels

Thermal barriers, a kind of seal, are used around openings into the vehicle and in the closeout areas between
major components. Aerothermal seals are used on the control surface cavities. Aerothermal seals are not modeled
because the maintenance is low compared to the barriers. The thermal barriers with the largest amount of
maintenance were the focus of the project. These barriers protect the landing gear and cross feed doors penetrating
into the windward side of the vehicle. The thermal barriers are split into the high temperature (nose gear door), low
temperature (main gear door), and cross feed (external tank) door models. On the Shuittle, the high temperature area
is on the windward surface in the nose landing gear door area. The high temperature region is approximately above
2000 degrees F. This area requires the most complicated thermal barriers. The low temperature region is for square
door openings in regions below 2000 degrees F, the main landing gears on the Shuttle. These doors require much
less complex barriers than the high temperature region. Therefore, the time to replace the barriers is much lower.
The external tank doors on the shuttle are round but are similar in design to the main landing gear doors. Thefailure
modes associated for the barriersinclude:

1) Gaining accessto failed parts

2) Damage during opening for the gear doors and closing for the cross feed doors

3) Ground handling damage because of the high technician traffic around these doors.

The thermal barrier models calculate the number of thermal barriers needed based on the linear footage around the
doors or penetrations needing thermal barriers. A probability of any barrier needing replacement is based on shuttle
history for each failure mode. A binomial distribution uses the probability needing replacement, the fraction of
barriers subject to a failure mode, and the perimeter length of the door to calculate the number of barriers needing
replacement. The man-hours are calculated using the triangular distribution model.

Baseline System for Thermal Barrier Models

There are no cross feed doors and therefore no thermal barrier maintenance from the doors. Debris hits on tile
from the Mylar associated with these doors are aso eliminated.
Advanced System for Thermal Barrier Models

For the advanced design the probability to replace thermal barriersis reduced by 1/2. Durable barriers, perhaps
metallic or stronger fabric, will be used. The time to replace the barriersis reduced by 1/2.

E. Reinforced Carbon-Carbon Maintenance M odel
The Reinforced Carbon-Carbon (RCC) system does not have a large amount of maintenance except when the
RCC needs to be recoated. The size of the nose cap does not greatly influence the chance of damage or the time to
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remove it because it is one piece (two with chin panel). The nose cap has a chance of being removed every 8 flights
for the Shuttle. The simple probability of removal determines whether or not the nose cap needs removal. The
leading edge RCC is divided up into panels. The RCC wing area is used to calculate the number of leading edge
panels needed. The panels are removed due to scheduled recoating or to flight damage.

Baseline System for RCC Models

Reinforced Carbon-Carbon is similar to Space Shuttle setup.

Advanced System for RCC Models

No improvements are assumed.

F. Inspectionsand Re-water proofing M odels

Quality assurance workers perform a micro-inspection on the TPS within the first three weeks of the repair
facility flow®. A micro inspection looks for charred filler bar, hot spots, subsurface flow, thermal barrier
discrepancies, missing parts, and gap filler damage. The micro inspection is very intensive because of the
importance of having a perfect TPS system. |nspections of the blankets are modeled separately from tile inspections
because tile inspections are more intensive. An estimate of how many man-hours are needed for each square foot is
taken from Shuttle experience. The total duration of the inspections for each kind of TPS is based on how many
technicians are available. Re-waterproofing is used to prevent water from absorbing into tiles and blankets on the
shuttle. If the shuttle is not waterproofed the water adds extra weight. The waterproofing chemical called DMES
degrades after each reentry and therefore needs to be reapplied. A simple calculation of time required to water-proof
per tile and total areais used to calculate the total duration. The number of tilesis calculated from the total area and
individual tile size. Total man-hours are then known from the number of injection technicians normally used on the
Shuittle.
Baseline System for I nspections and Re-waterproofing

There will be less maintenance associated with inspections and re-waterproofing due to the smaller size of the
RMLS102.
Advanced System for I nspections and Re-waterproofing

The inspections for the thermal protection system will be less intensive due to greater confidence in the system
and so the inspections times are reduced by 1/2. The new windward TPS are assumed not to require re-
waterproofing and the blanket re-waterproofing uses a non-toxic chemical.

V. Main Engines M odel Description

This section of the model deals only with the main engines. The pressurization system, feed system, and other
components commonly referred to as the Main Propulsion Subsystem are included in the Fluid Related Subsystems
section. Some of the operations for the engines are scheduled and do not require a probability distribution. The
complexity and number of engines dominate the man-hours that are calculated. Operations are either included or
not performed depending on the type of engine or technology level chosen.

[ Main Engines |
( Engine Renoval e
( Engine R&R
( Heat Shield R&R
| Turbo-Pumps —
[ RaR —
( Inspections —
( Torque Checks —

( Function Checks —
Interface Leak Checks
Fliglt Readiness Tests
Encapsulation Leak Test
Helium Baggie Leak Check
Draining and Decon

Drying

LLITTT

(_ Unscheduled Engine Repail |l

Figurel1ll. Main Engines Scope
All possible maintenance intensive operations.
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A. Engine Removal Model
Removal of the engine and heat shield is the one of most time consuming operations for the main engine®. The
accessibility design of the heat shield and engine-vehicle interface will have an enormous impact on the man-hours
required to remove the main engines from the vehicle®’. A heat shield/engine removal model based on thrust of the
engine portrays the complexity of the removal process. A minimum setup time is used for the heat shield removal
and installation. Currently the frequency of removal for the engine and heat shield is based on component level part
failures. The componentsthat cause engine removal are:
1) Nozzle
2) Pre-burners
3) Hot Gas Manifold
4) Main Injector
5) Main Combustion Chamber
6) All pumps
7) Heat Exchanger
8) Other causes
Different concepts can be selected to reflect different operation times for these designs, while still varying with
thrust level.
Baseline System for Engine Removal Model
The baseline engine used in the RMLS102 is a kerosene fueled engine similar to the RD-180. The engine design
size can change with varying levels of 100% vacuum rated thrust. The booster engines have a 100% vacuum thrust
of 855klbs and the orbiter has 185klbs. The engines use a shuttle style interface with the vehicle. The duration to
remove and replace the engines is higher for the booster and lower for the orbiter because of the different thrust
levels.
Advanced System for Engine Removal Model
The engine integration with the airframe is
improved with a ventilated nacelle and aft
compartment concept, shown in figure 12. The
time estimated to remove and replace the
insulation is about one-fifth the time of shuttle
heat shield time. The engine removal portionis
estimated to be one-third the shuttle engine
remove and replace time. The nacelle allows for
better access to engine parts and for
inspections. Unscheduled removals due to part
failure are al reduced to 1/2 of the baseline
vehicle.

e 5
Figure12. Nacelle Concept for Engine/Vehicle Interface.

B. Turbo-Pump Maintenance Models

The turbo-pumps models normally include fuel and oxidizer high pressure turbo-pumps and low pressure or
boost turbo-pumps. The high pressure turbo-pump inspection times are based on thrust level basdlined to Shuttle
times*®. The frequency of pump inspections can vary depending on the concept chosen. A torque check operation
can be performed to verify rotors are free to move. Turbo-pump leak checks are included in most engines and are
primarily done to check for leakage through valves. Removal times of high-pressure pumps are also based on thrust
level. The frequency of the removals depends upon unscheduled failure baselined to shuttle data and user-defined
scheduled overhauls.
Baseline System for Turbo-Pump Models
The turbo-pumps require removal for overhaul every ten flights.
Advanced System for Turbo-Pump Models

For the turbo-pumps inspection times are reduced by 1/2 and performed every 10 flights instead of every flight.
High pressure turbo-pumps are only removed for overhaul every 20 flights versus 10 flights for baseline, and
removals due to unscheduled repairs are reduced to 1/4 of the baseline engine. No torque checks are performed
because advanced bearings are assumed. Leak checks are reduced by 1/2 for the advanced system because of a
better developed engine.
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C. Engine Function Checks

This section deals with what are called engine function checks. These are operations® that are not specific to any
one component but primarily effect the whole engine. Vehicle to engine interface leak checks are performed every
time the engines are removed. Flight Readiness Testing involves leak checks and checkouts of the actuators of both
the pneumatic and hydraulic systems. The encapsulation leak test is only performed if the engine is removed.
However it is done because of the ability to detect leaks of less than one standard cubic inch/minute. A Helium
Baggie Leak Check is only performed if the Shuttle engine is used in the design. One engine experienced a main
combustion chamber manifold crack caused by aweld repair during initial fabrication. To preclude this type of leak
from going undetected in the future, a "big-bag" leak check was developed™. For kerosene engines draining of the
coolant jacket is required to prevent coking during post shutdown soak back. Decontamination involves clean-up of
carbon deposit of chamber walls and injector face. Draining and decontamination are treated as one operation.
Cryogenic fueled engines require drying. Drying out the bearings ensures all moisture is removed from the bearing
area after flight. If moisture freezes, the ice can interfere with the bearing movement causing engine failure.
Baseline System for Engine Function Checks

The turbo-pumps require removal for overhaul every ten flights. There is no helium baggie leak check. The
engine only requires draining and decontamination but no drying.
Advanced System for Engine Function Checks

The advanced engine is assumed to use methane and LOX propellants. The engine function checks have been
improved. The main engines are now methane, so drying is needed instead of draining and decontamination. On-
board purging is assumed, so a separate operation for drying is not required. Flight readiness testing will be reduced
to one-third the time of the shuttle in part because the hydraulics are replaced with an electromechanical system.
The encapsulation leak test and the engine-to-vehicle interface leak checks are only performed when the engine is
removed and with the advanced engine are reduced to athird of the time as compared to the SSME. For the engine-
to-orbiter gimbal checks improvements made with the advanced system do not require hydraulics, and so time to
complete the operation is reduced to one-fifth.

VI.  Fluid Related Subsystems

As mentioned previously, the fluid related subsystems include:

1) Main engine pressurization and feed system.

2)  Orbital Maneuvering System or OMS

3) Reaction Control Systemsor RCS

4)  Auxiliary power units

5)  Actuation system

6) Activethermal control.
The feed and pressurization systems are defined as those components supporting the main engines that are part of
the vehicle and not the removable engines. Most operations use shuttle experience for durations. The man-hours
calculated depend on the number of engines, the concept chosen (shuttle or advanced), and the number of personnel
involved.

. . Fluid Related Subsystems
A. Feed and Pressurization Systems _
M Odel Feed and Pressurization

Valves and solenoids control propellant flow
to the engines and require leak and functional
checkout.  Major maintenance of system
components is required especially when high
pressure helium flow can literally cut the sedls
apart. Helium is also a danger to personnel in
confined areas.  Functional verification is
required for all regulators, isolation valves, and
valve control solenoids. Leak checks and
checkouts of the fuel and liquid oxygen systems
are required because there are multiple [
interfaces where leaks can occur. Screens are Figure13. Feed and Main Engine Pressurization Scope.
used in the main propellant lines to filter out  All possible maintenance intensive operations.
debris. The screens must be inspected to ensure

Valves/Solenoids Checkout ]—

Licuid Fuel and LOX Systeim Checkout ]—

Feed Line Screen Inspections ]—

Gaseous Fuel and GOX System Checkout ]—

—— ey e e ——

Hard Cryogenic Vacuum Jacket Leak Checks J-

Helium Pressurization Operations J-
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there is no catastrophic failure resulting from the debris. These include system anomaly retests to make sure the
inspections did not miss anything. Detent rollers from the pre-valves generate debris in the system. A latch
mechanism, used to prevent the flapper valve from closing during flow conditions, generates debris which can lodge
on the pre-valve screens preventing closure. If a system uses a self pressurizing engine, the gaseous fuel and oxygen
systems require checkout. If a hard cryogenic like hydrogen is used, vacuum jacket lines inspection would be
required. Kerosene and warmer cryogenic propellants, like methane, do not need vacuum jackets. Options are
given asto type of system.
Baseline System for Feed and Pressurization

The RMLS102 baseline has subsystems very similar to the Shuttle subsystems. However the size and complexity
of the subsystems are smaller. Helium is used in the pneumatic system for valve actuation. The helium option is
based on shuttle man-hours. For pressurization, the vehicles use helium because of the kerosene propellant. This
system will be larger than the helium system used for the main propellant valves and solenoids but will be modeled
after them. The kerosene tank pressurization, valves, and solenoids require extra maintenance actions because of the
helium usage.
Advanced System for Feed and Pressurization

The main engines use methane and liquid oxygen as propellants. The gaseous system is used to pressurize the
main tanks for the autogenously pressurized system.  Hence, no maintenance intensive helium operations are
required. Gaseous methane and gaseous oxygen systems will require checkout but are smpler than helium systems.
Nitrogen is used to drive the valves and solenoids instead of helium, aso reducing helium related maintenance. The
feed lines require inspection, however the complexity of the operations is reduced drastically. The feed line screen
inspections are reduced to 2 people and 2 hours per engine. This reduction is possible with better development in
parts, reducing debrisin the system.

B. Orbital Maneuvering and Reactions Control Systems
An orbital maneuvering system (OMS) and reaction control system (RCS) have many components. The model
uses the number of engines, thrusters, and propellant type to determine man-hours for the system™. Hydrogen/Ox,
Methane/Ox, Ethanol/Ox, and MMH/NTO are the propellant options. Removal and replacement of the orbital

maneuvering engines is not a planned T TT—
. LI el S @ns
operation. However, the OMS removal occurs

due to needed repair on items inside the OMS DSHES
(like helium system components). Due to the ONS Engine R38R

for the Space Shuttle so repairs could be
performed in a separate facility. For new
vehicle designs without a pod, engines will still
need removal for unexpected repairs and are [Autogenously Pressurized System Checkouts}
modeled after the pod removal times.
Probabilities of engine removal after each
flight, the duration of removal, and numbers of
personnel determine the total man-hours
required. An interface leak check is required
for every OMS engine removal. Trickle purges ( Quick Disconnects Servicing )
are performed separately for theOMSand RCS ¢ T Tt (L ]
but are the same operation. Trickle purges are : ]
needed to remove the toxic propellants from the - - o .
OMS and the RCS, hence trickle purge Figure14. Orbital Maneuvering and Reaction Control
operations are eiminated for a nontoxic ~ SYStems Scope. N .

system. The high pressure helium valves are a All possible maintenance intensive operations.

major component in checking out the helium

subsystem, and calculations are based on the

number of RCS thrusters or OMS pods. The helium subsystem checkout is only required for a helium pressurized
system. The shuttle OMS engines use ball valves for propellant delivery. The toxicity of the system requires that
these valves be drained to prevent corrosion. This operation is not required for non-toxic systems. Quick
disconnects are used for servicing while the vehicle is on the pad. More information is required to separate out RCS

Toxic Propellant Trickle Purges

1
J
1
J
1
J
1

[

toxic propellants, a pod concept was adopted (_ OMSWehicle Interface Leak Check
(
[

Helium Pressurization Operations r

Hard Cryogenic Vacuum Jacket Leak Checks ]

Gaseous Fuel and G OX System Checkout J

Heat Exchanger Leak Checks
e Drain

Toxic Propellant B J'

RCS Thruster Inspections
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connections from the OMS so the amount of work involved can be adjusted to the quantity of thrusters or OMS
engines. RCS thrusters are removed due to three failure modes™:
1) The oxidizer valve becomes corroded. The nitrate oxidizer contaminates the valve over time and causes
leskage. The oxidizer valve failure mode is eliminated with a non-toxic system.
2)  Over timethe fuel valve Teflon seat wears out and so requires RCS replacement.
3) Thrusters are damaged from human handling and other ground mishaps.

A binomia distribution uses failure mode fraction, probability of failure, and number of thrusters to calculate the
number of thrusters needing removal and replacement. Inspections are needed for the RCS thrusters because of
potential damage due to Nitrate corrosion. After a Space Shuttle mission, technicians thoroughly inspect the vehicle
for wear and tear, looking for the minute chips and hairline fractures that can result from supersonic impacts or from
the plastic expansion and contraction of materials in the orbiter. To detect any chipping, inspectors currently take
impressions of the thrusters using a silicon-based rubber and then section and inspect these molds to determine the
surface area and depth of chips. But this manual process is time-consuming and subjective, and it risks leaving
residue in the thruster.

Baseline System for Orbital OMS/RCS

The RMLS102 OMS and RCS will use the same toxic system that the Space Shuttle uses. However there are only
12 RCSthrustersinstead of 38 for each stage and one OM S engine on the orbiter.

Advanced System for the OMS/RCS

The OMS and RCS use liquid methane and oxygen for propellants. For the OMSRCS system the trickle purges,
ball valve drain, RCS thruster removal due to nitrate corrosion, and RCS inspections are all eliminated because the
propellants are non-toxic. A self-pressurized OMS/RCS that uses a propellant like methane will still require
maintenance. The operations for the methane systems are based on the main engine pressurization system but are
assumed to require 1/2 the time and 1/2 the technicians. A heat exchanger for the self-pressurized system is added
for the larger OMS engine. Heat exchanger leak checks are performed and based on the heat exchanger used for the
Space Shuttle main engines. An electric heater is used for the smaller self-pressurized RCS system, but no
maintenance is added.

C. Auxiliary Power Unitsand Actuators
The APU supplies power to the

actuators and the avionics in the vehicle. Fiuid Relates] Subsystems
Maintenance Operations for these systems (o Poves urits —

assume a triangular distribution for calculating :
man-hours. Operations for the APU are scaled
with the number of APUs using shuttle

Lube Oil Servicing

[ Cakch Bottle Drain Servicing

durations as a point of reference,  (12dcAPULewan Funtiond Checkour}
Hydrogen/Ox, Methane/Ox, Ethanol/Ox, and [ HeunPressuization Operaions |
hydrazine are the propellant options. In the [ Ewopelat GasGaerdtorModel |
Space Shuttle, APU lube oil is used in the Hard Cryogenic Vacuum Jackes Leak Chiecks |
hydrau“C pump gearbOX assembly Of the APU Gaseous Fuel and GOX System Checkout ]

Thereisasea cavity with drain and purge ports
between the fuel pump and gear box. Leakage
occurs across the seals with hydrazine and lube

Heat Exchanger Leak Checks ]

oil mixing together. The reaction between the Lines and Actuctors ——
oil and hydrazine makes a waxy substance [ Tyimiciive maecion 7]

which clogs the oil filter and drain passage™. (
Flushing of the oil system is required after each
flight to prevent the clogging. After the oil is
removed the system is purged with nitrogen.
The lube oil servicing model is used when a
hydraulic pump gearbox is required. For the Space Shuttle, catch bottle drain operations are also time consuming
and required modeling. The fuel pump reduction gear islocated in the lube oil system gearbox, and a shaft from the
reduction gear drives the fuel pump. Seals are installed on the shaft to contain any leakage of fuel or lube oil. If
leakage occurs through the seals, it is directed to a drain line that runs to a 500-cubic-centimeter catch bottle for
each. If the catch bottle were overfilled, it would relieve overboard at approximately 28 psia through a drain port.
The maintenance operation involves venting APU fuel tanks and fuel manifolds, draining APU cavity drain system
catch bottles, and performing a functional test of catch bottle relief valves and alcohol-flush cavity drain system. A

Hydraulic Bleeding and Fill H

Figure15. Auxiliary Power Units Scope
All possible maintenance intensive operations.
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leak and functional check is performed for the APU in addition to the lube and catch bottle drain servicing. The leak
and functional tests are performed because of potential leaks between any of the seals. Due to hydrazine toxicity
these checks are very important. The Space Shuttle uses all hydraulic actuation and there are two major operations.
Inspections for the hydraulic systems on the Shuttle involve looking for leaks of hydraulic fluid. Inspections are
required to prevent contamination of fluid to other parts. The hydraulic systems are similar to any large aircraft
hydraulics and therefore can be modeled in a similar fashion. Bleeding the hydraulic lines and the filling is treated
as one operation. Manual verification of air intrusion into hydraulic lines is a possibility requiring bleeding of the
lines.
Baseline System for APUs and Actuators

The hydraulic actuators and APU system are setup similar to the Shuttle except there are only 2 sets instead of 3
and they have electrical generators built in as well as the hydraulic pump. The electric generators supply electricity
to the avionics and batteries for the short duration flights this vehicle is assumed to make.
Advanced System for APUs and Actuators

As an dternative to a traditional toxic APU, the bipropellant gas generator electric APU model uses methane and
liquid oxygen. The gas generator is modeled similar to the advanced orbital maneuvering system. This system
replaces the hydrazine hydraulic/electric APU with an all electric system.. All operation times for the bipropellant
gas generator are assumed to be 1/2 of the OMS engine times. The lube oil servicing is eliminated because there is
no hydraulic gearbox needed. The catch bottle drain is not needed.. The hydraulic bleed, fill and inspections are
eliminated with the el ectric system.

D. Water Cooling

A water cooling system is required to cool bays and internal items which generate heat or are subject to heating
and are not cooled or purged by nitrogen. This includes the actuators, the APUs, and may include other subsystems
such as avionics, though these may be cooled by nitrogen.
Baseline System for Water Cooling

The Space Shuttle water cooling system is used. However there are 2 instead of 3 boilers.
Advanced System for Water Cooling

Since there is no hydraulic fluid to cool
the actuators, water cooling is needed for [Hum Related sli}mam]
each actuator. The electric actuators are
insulated and incorporate an open loop water
flash evaporator for cooling. The low
pressure water lines and central water source
are much easer to maintain than the
hydraulic lines of the baseline system. A
simple flash evaporator requires simple leak ~ Figure16.  Water Cooling and Actuators Scope
checks and servicing. The size of the system  All possible maintenance intensive operations.
is not known so the maintenance is only an
estimate based on the shuttle evaporator.

[ Shuktle-Like Water Spray Boiler Senvicing

[ Flash Evaporator Electric Actuators Senvicing

VII. Conclusion

The capabilities provided by the research, the
developed Monte Carlo modeling, and the 25000.00
discrete event simulation done in Arena all work
to provide information that help determine a
Reusable Launch Vehicle's sortie rate and man-
hours required to send payloads into orbit. The
discrete event simulation developed allows the
designer, technologist, and user of the RLV the
ﬂeXI blllty to eVaI uate the effeCt Of dlfferent 0.00 Orbiter 1.87M Orbiter 1.87M Booster 1.87M Booster 1.87M
designs and technologies. As discussed, the Baseline Advanced Baseline Advanced
assessments are not possible without knowledge miropertwtys|  oosz0 | aorsos | voenos | iroear
of the launch vehicle systems involved and the lates 8593.16 2042.3 3664.98 1398.21
failure mechanisms that drive maintenance. The  Figurel7. Maintenance Man-hoursfor
model can incorporate new knowledge about RMLS102.

20000.00 -

|

15000.00 -

10000.00 -

Total Manhours

5000.00
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systems to improve the accuracy of assessments. Upgrades to the model will also include areas outside the repair
facility such as landing, mating, pad time, and launch. The RMLS102 design, a two-stage-to-orbit system, was
assessed for man-hours for use in a technology assessment study as shown in Figure 17. Man-hours required for
technology assessment do not include the queuing time involved in discrete event smulations. Only the amount of
physical work involved in performing operationsis required to assess a technology. The results provided assess the
baseline RML S102 design versus the advanced system of the RML S102.

A further breakdown of maintenance man-
hours helps explain the improvements gained
for each system. Figure 18 reveas what
improvements have been made and
improvements that can till be made for the

Thermal Protection System Manhours RMLS102

M Tile Rewaterproofing

10000.00 O Tile Maintenance
9000.00 |

thermal protection systems. For example, a lot 800000 1 H Tile Inspections
of focus has been put on making thermal . o T B Thermal Bariers
protection easy to remove and replace, which is 2 500000 | m mRCC

an important part of reducing man-hours. g ‘;EZZEZ = — 5 Gap Filer

However, the other parts or systems still need ooe L
attention as figure 18 shows. For example, the o000 | || E H = D Rewaterproofing
gap filler maintenance shows up as a long pole 00 T oo Bovster | Bootor ® Blanket Repair
after other areas are improved. Improved gap o e e Lo | ket inspectons
fillers or a design that requires no gap fillers
might be considered. The main engine and  Figure18. Maintenance Man-hoursfor RMLS 102.
fluid related subsystems areas have similar ~ For thermal protection work performed in the repair
results. facility only

The modeling approach will be applied to
other systems that comprise a reusable launch vehicle. Other areas might include structure, avionics and ground
support equipment. The cycle time is not presented nor was it needed for the study at this time. The cycle time
simulation is in the process of improvement to represent more realistic processing. Many operations will be
changed to parallel, serial, or processed in different sequences. The next stage in model development will include
critical path analysis to reduce turnaround time from months in the case of the Space Shuttle to hours or days for a
military reusable launch vehicle.
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APPENDIX G

THERMAL-BASED COMPARISON BETWEEN ROCKET BOOST-BACK
AND JET FLY-BACK BOOSTER RECOVERY APPROACHES

Gregory E. Moster, Captain David Callaway, and Amar shi Bhungalia
Air Force Research Laboratory
Air Vehicles Directorate
Wright-Patterson AFB, Ohio 45433

ABSTRACT

The Air Force Research Laboratory has been exploring approaches that may be considered for a
quick turn-time booster research demonstrator for possible utilization on a full scale such as the
Affordable Responsive Space (ARES) system. Part of this effort includes the evaluation and
comparison of a wide variety of operating approaches that may yield significant variations in
aerodynamic heating, material selection, design-space expansion, and maintenance approaches.
One approach that has been under investigation by AFRL since 2001 is Rocket Boost-Back.
This approach replaces the fly-back hardware (Thermal Protection System (TPS) and the jet
engines) used to fly back to the launch site area (common in the most widely publicized systems)
with additional rocket fuel and uses rocket motors to “boost” the system back within gliding
range of the launch site. Eliminating the need for TPS opens up the design space and may allow
a larger variety of wing and tail configurations than the limited Space Shuttle looking concepts.
This paper will compare the relative size, weight, and thermal implications of the rocket boost-
back and jet engine fly-back (AFRL baseline system) concepts at a high level in order to identify
where additional effort may be desired.

INTRODUCTION

The Air Force is currently in the process of considering the development a low turn-time
(measured in hours instead of weeks) reusable first stage to support affordable rapid access to
space. In order to achieve this challenging objective, all options must be considered and a
thorough understanding of the challenges must be known. Reusable Military Launch System
(RMLS) team members have worked closely with NASA Kennedy Space Center (KSC) and
NASA Johnson Space Center (JSC) maintenance and flight operations personnel for the last five
years in order to increase their understanding of this challenging task. From their work and
collaboration with jet aircraft operators and maintainers, a straight forward conclusion appears to
be that the greatest difficulty lies in reducing or eliminating flight operations and maintenance
actions that make the system vulnerable to catastrophic failure mechanisms. Catastrophic failure
mechanisms are undesirable because they can cause a loss of vehicle (and possibly life). This
looming possibility forces operators and maintainers to expend significant resources. It also
causes the military to expend valuable resources (personnel, money, and hardware) needed to
support the US during conflicts. A rough idea of effort involved can be seen in figure 1 that
captures NASA KSC’s estimate of the man-hours used to maintain the Space Shuttle in the
Orbiter Processing Facility (OPF). It can be seen here that TPS maintenance is a very large part
of the maintenance effort. Part of this effort can be tied to how NASA fly’s or operates the
vehicle. For example, when the Space Shuttle lands the gear doors are opened. Opening the
gear doors breaks a high temperature seal. When this critical seal is broken maintenance must be
performed. Seal maintenance is a time consuming and critical task that demands highly skilled
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technicians and a robust verification process,
because if the seals are not “perfect”, a
catastrophic event like the Columbia may
occur. Therefore, the question may not be
“how do we make better seals”; it may be
“how do we avoid the seals entirely”. These
types of questions and considerations pushed
the RMLS team to consider options that may
enable future Air Force boosters to recover
by avoiding the high thermal environment
encountered during normal reentry. The
rocket boost-back approach is one of these
approaches being considered.

The rocket boost-back approach uses the
rocket engines (not necessarily the main
engines) to decelerate the booster after

staging to a velocity where either non-critical TPS or no TPS is required. This trading of thermal
energy for fuel can be accomplished in a variety of ways. The approach presented here simply
turns the booster around after staging until the vehicle is parallel with the Earth’s surface with
the engines burning and pointed in the general flight path direction (figure 2). The design and
thermal analysis of this approach will be compared to the baseline system that reenters similar to
the Space Shuttle before employing jet engines for the return to launch site flight segment. This
paper will describe analysis software, sizing assumptions, and present the results (size,
aerodynamic, trajectory, and thermal loading) of the baseline fly-back and rocket boost-back

approaches.

/_\ / Shut-down
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Figure 2. Rocket Boost-Back Concept
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ANALY SIS SOFTWARE

System sizing was accomplished using the Integrated Propulsion Analysis Tool (IPAT)
developed by the Air Force Research Laboratory (Air Vehicles and Propulsion directorates)
which was heavily based upon the RMLS sizing software co-developed with the Air Force
Aeronautical Systems Center (ASC). This software utilizes TechnoSoft Inc. Adaptive Modeling
Language (AML) as the core software for managing the parametric design process. AML has
links into several analysis codes that provide the required sizing information. These include
aerodynamics, trajectories, and thermal analysis. Lift and drag coefficients were obtained using
Missile Dat Com developed by AFRL. Trajectories were simulated using the Program to
Optimize Simulated Trajectories (POST II) developed by NASA Langley Research Center
(LaRC). Thermal analysis was accomplished using MINIVER also developed by NASA LaRC.
These are the same tools utilized by the Air Force during NASA’s Second Generation Launch
Initiative (SGLI) and Next Generation Launch Technology (NGLT) study efforts and verified
with NASA and industry.

ASSUMPTIONS

In order to level the analysis playing field as much as possible, common assumptions and models
were used for both assessments. The rocket boost-back sizing was performed using the baseline
jet fly-back model with the TPS and fly-back systems removed. We assume that leading edge
heating can be handled by high temperature metallic materials with minimal to no insulation.

Common Conditions

Payload 58,279 1b

Launch Thrust to Weight 1.3

Engine ISP 290 seconds

None throttling of rocket engines

Staging velocity 7,000 feet per second
Staging flight-path angle 20 degrees

Wing loading 74.7 pounds per square foot
Aspect Ratio 2.4 (approximately)
Maximum dynamic pressure 700 pounds per square foot
Maximum normal wing loading 2.5¢g’s

Maximum axial loading 6.0¢g’s

Cruise and glide lift over drag 5t06
Return-To-Launch-Site Altitude Pass over the field at 30,000 feet or more

Standard day conditions

Fly-Back Specific
Fly’s 15 minutes past launch site to account for cruise condition winds

Rocket Boost-Back

After staging keep two out of four engines ignited at full throttle (50% of full-throttle used to
boost back)
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RESULTS

The results of the comparison follow in figures 3 through 11. The rocket boost-back has a higher
fuel fraction and is 31% heaver at launch than the jet fly-back system; however, it has a 27%
lower empty weight. Staging altitude was not constrained and both approaches staged at nearly
145,000 ft. Figures 10 and 11 show an estimate of the nose stagnation temperature using
MINIVER. This preliminary estimate may not be accurate due to uncertainties in the input file
and with the use of a two foot radius nose. Work will be accomplished to improve these
estimates as the Air Force activities continue. The trend should be correct because only the
trajectories varied between the two analyses.

Description Fly-Back Boost-Back
Fuel Fraction 0.6878 0.8122
Launch Weight 423,122 1b 615,726 1b
Landing Weight 70,714 1b 52,940 1b
Empty Weight 69,240 b 50,841 Ib
Fuselage Length 81 ft 97 ft
Fuselage Diameter 14 ft 16 ft

Time Back Over Field 84 minutes 11 minutes
Cross-range 94 nm 0 nm

Figure 3. Fly-Back (left) and Boost-Back (right)
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CONCLUSIONS

The jet engine fly-back booster is smaller both in size and launch weight than the rocket engine
boost-back booster, but not in empty weight. Typically, empty weight is considered the
acquisition cost driver, so the rocket boost-back booster would normally be expected to be
cheaper. The cost savings is compounded by the possibilities of using normal aircraft materials
without TPS and not requiring jet engines. Eliminating the TPS and jet engines combined with
normal aircraft materials may drive the cost of the rocket boost-back system down to half of the
fly-back booster and make the option selection straightforward. The simplicity of the larger
boost-back may more than make up for it’s larger size with operations cost and turn-time
reductions too. For example, large and simple airline transports and Air Force refueling aircraft
have very short turn-times and are very reliable; however, more complex fighter and bomber
aircraft take considerably more time and resources to maintain and return to use. Therefore, the
rocket boost-back approach looks extremely promising, but needs further exploration to verify
these results and determine how it compares to the typical jet fly-back systems being currently
proposed to the Air Force and NASA.
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APPENDIXH

Thermal Protection System (TPS) Optimization

Amarshi A. Bhungalia, Lt Carrie Clewett, Harold Croop and David A Brown
Air Force Research Laboratory, Air Vehicles Directorate, Structures Division, Wright-Patterson AFB OH 45433

The Air Vehicles Directorate of the Air Force Research Laboratory conducts research in
a broad range of technical disciplines to support emerging and next generation capabilities.
One major focus area is Operationally Responsive Spacelift (ORS) and the technologies
required to enable effective and affordable space access vehicles. As part of our planning
and program decision-making, technology assessments and trades are often desired. These
assessments provide quantifiable measures to support and guide the planning decisions. A
recent in-house technology assessment was done to provide technical rationale that aids in
the planning and resource allocation related to near-term and far-term ORS technologies.
This paper will describe the Thermal Protection System (TPS) technology assessments that
were made as part of this in-house effort. The desire was to make comparable assessments
of numerous TPS concepts against a baseline shuttle-like acreage, windward tile. These
concepts exist in various stages of maturity, each with its own set of distinct advantages and
disadvantages. The results of this technology trade are documented in this paper.

Nomenclature

AML Adaptive Modeling Language

CEAC Combined Environment Acoustic Chamber
MINIVER MINIlature VERsion aero-thermal analysis program
TPS Thermal Protection System

TSTO Two Stage To Orbit

I. Introduction

The Shuttle thermal protection system consists of various materials applied externally to the outer structural skin of
the orbiter to maintain the skin within acceptable temperatures, primarily during the entry phase of the mission. The
orbiter's outer structural skin is constructed primarily of aluminum and graphite epoxy. During entry, the TPS
materials protect the orbiter outer skin from temperatures above 350 F. In addition, they are normally reusable for
100 missions with refurbishment and maintenance. These materials perform in temperature ranges from minus 250 F
in the cold soak of space to entry temperatures that reach nearly 3,000 F. The TPS also sustains the forces induced
by deflections of the orbiter airframe as it responds to the various external environments. Because the thermal
protection system is installed on the outside of the orbiter skin, it establishes the aerodynamics over the vehicle in
addition to acting as the heat sink.

Orbiter interior temperatures also are controlled by internal insulation, heaters and purging techniques in the various
phases of the mission. The TPS is a passive system consisting of materials selected for stability at high temperatures
and weight efficiency. Some of these materials are discussed below.

Reinforced carbon-carbon (RCC) is used on the wing leading edges; the nose cap, including an area immediately aft
of the nose cap on the lower surface (chine panel); and the immediate area around the forward orbiter/external tank
structural attachment. RCC protects areas where temperatures exceed 2,300 F during entry.

Black high-temperature reusable surface insulation (HRSI) tiles are used in areas on the upper forward fuselage,
including around the forward fuselage windows; the entire underside of the vehicle where RCC is not used; portions
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of the orbital maneuvering system and reaction control system pods; the leading and trailing edges of the vertical
stabilizer; wing glove areas; elevon trailing edges; adjacent to the RCC on the upper wing surface; the base heat
shield; the interface with wing leading edge RCC; and the upper body flap surface. The HRSI tiles protect areas
where temperatures are below 2,300 F. These tiles have a black surface coating necessary for entry emittance.

Black tiles called fibrous refractory composite insulation (FRCI) were developed later in the thermal protection
system program. FRCI tiles replace some of the HRSI tiles in selected areas of the orbiter.

Low-temperature reusable surface insulation white tiles are used in selected areas of the forward, mid-, and aft
fuselages; vertical tail; upper wing; and OMS/RCS pods. These tiles protect areas where temperatures are below
1,200 F. These tiles have a white surface coating to provide better thermal characteristics on orbit. [1], [2], [3]

I1.  In-House Study

To meet requirements for the anticipated military environment, the Air Force has been leveraging Shuttle tile and
blanket technology to develop TPS designs which are more operable and which have enhanced robustness. To
improve operability, the Air Force has been focusing on mechanical attachments for easier TPS removal and
replacement. To improve robustness, the focus has been on use of CMC as a wrap over tile or just as a tile outer-
moldline skin. These developments are represented in the designs that were compared in this study.

In order to make assessments, a notional baseline two-stage-to-orbit (TSTO) vehicle with its geometry, weight, and
mission profile was used to size and compare the different TPS concepts with respect to weight, reliability, and turn-
around time. A baseline vehicle configuration with the associated mission details is imperative to performing
meaningful trades, because the baseline vehicle and mission profile set exterior environmental conditions, geometry,
physical configurations, and a maintenance context. These conditions allow the various concepts to be viewed in a
meaningful comparative context.

A baseline and five alternate TPS concepts were modeled. The MINIlature VERsion (MINIVER) [4] aero-thermal
analysis program was used to size TPS layer thickness, allowing sizing and weight trades to be made. In addition,
qualitative and quantitative operability and maintainability assessments were made using NASA shuttle data and
trends that have emerged from the TPS concepts development.

This paper presents the results of the TPS weights analysis and a brief comparison of TPS operability issues.
Specifically, it presents the acreage, windward TPS weight comparisons of the 6 concepts and the basic advantages
and disadvantages associated with each concept.

I11.  Miniature Version Aerothermal Analysis Program

MINIVER is a versatile engineering code that uses various well-known approximate heating methods together with
simplified flow fields and geometric shapes to model the vehicle. Post-shock and local flow properties based on
normal-shock or sharp-cone entropy conditions are determined in MINIVER through user selection of the various
shock shape and pressure options. Angle-of-attack (AOA) effects are simulated either through the use of an
equivalent tangent-cone or an approximate cross flow option. The flow can be calculated for either two- or three-
dimensional surfaces. However, the three-dimensional effects are available only through the use of the Mangler
transformation for flat-plate to sharp-cone conditions.

MINIVER has been used extensively as a preliminary design tool in government and industry and has demonstrated
excellent agreement with more detailed solutions for stagnation and windward acreage areas on a wide variety of
vehicle configurations, including the Space Shuttle orbiter, HL-20, X33 (winged body, lifting body, and vertical
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Lander), X34, X37, X43 and NASP. The principle advantage of this engineering code over some of the more
detailed methods is the speed with which the analyses can be performed for each flow condition along a trajectory.
Its strength lies in its ability to quickly provide the time-dependent thermal environments required for TPS analysis
and sizing.

MINIVER is an interactive computer software program, which is used both to predict the aero-thermal environments
and to perform simple TPS sizing for aerospace vehicles that operate in the hypersonic flight regime. Three
subprograms comprise the MINIVER code: PREMIN, the preprocessor used to set up the input parameters required
to run the next subprogram, LANMIN (LANgley MINiver) [5], which is used to compute the aero-thermal
environments, and EXITS [6], which is used to predict the thermal response of the TPS.

IV. The Adaptive Modeling Language

The MINIVER code is integrated with an Adaptive Modeling Language (AML) [7] to enhance pre and post
processing of the MINIVER code. Specifically, AML assists to formulate PREMIN data rapidly. If we do not use
AML integration, it may take 2 to 3 days to formulate analysis for one point. Use of AML integration saves 2.75
days for only one point analysis, and we have a total of 30 points for one vehicle on just the windward side. Without
the use of AML, if you make even one change in any parameter, the process has to start from the
beginning. MINIVER is very sensitive to any mistakes, and it will not give any indication of where your mistakes
are. It will simply stop running, and you will not get any results. You would then have to go through all your data
piece by piece, make the appropriate corrections, and hope MINIVER will cooperate. However, by using the AML
integration process, the mistakes you need to correct show up in a tabular form. You do not have to start the entire
problem over from the beginning. All data is retained in the tables, and only the changes are reflected in the input
file.

AML integration also allows PREMIN, LANMIN, and EXITS data preparation at the same time as input for
combined aero-thermal analysis. The LANMIN module output gives flow condition and thermal data for the outer
surface of the vehicle. The LANMIN output, along with some other data, creates the needed input data such as
number of layers, material thickness, and material properties for EXITS. The Exits output data consist of transient
temperature, radiation heat flux, convection heat flux and TPS weight per square feet surface area. The vehicle
configuration office (ASD) provided the surface areas as shown in figure 1 and figure 2.

RMLE-102 Orbiter
)

I /1 5121412

54 4680 12

————— 1502083 2

150,187 2

54.5857 #°2

Figure 1 — Windward Zone areas for Fuselage



PANEL NUMBERING SCHEME
20 21 22 23 24
12 13 14 15 19
8 9 10 11 18
4 5 6 7 17
0 1 2 3 16

Panel# [Area Sq ft|Panel# |Area sq ft Area-Total
0f 49.59447 19| 15.25057 438.275
1] 41.60268 20 6.75
2| 33.77499 21 6.75
3| 18.90987 22 6.75
4| 33.15768 23| 3305
5| 27.96878 24| 3375
6| 22.95087
7| 13.56681
8| 21.05798
9| 20.09829
10| 19.23662,
11| 14.48324,
12| 23.0963
13| 2152407,
14| 20.01864
15| 15.72437,
16| 15.83129
17| 11.53966)
18| 14.13838

Figure 2 — Windward Wing zone Areas

Multiple TPS concepts were included in this in-house study. The baseline concept, figure 3 was the traditional
space shuttle HRSI TPS. The outer layer Reaction Cured Glass (RCG) Coating was modeled as 0.05 inch thick
(minimum MINIVER thickness). [8] This material has a working temperature of 2300 deg F and has a density of
104 Ib/ft3. The next layer is the HRSI Tile LI-900 insulation. This material has a working temperature of 2300 Deg
F and a density of 9 Ib/ft3 (This layer will be optimized). The next layer is adhesive, RTV-560. Other TPS concepts
that were optimized include Alumina Enhanced Thermal Barrier (AETB) tile with TUFI coating, Ceramic Matrix
Composite (CMC) Wrapped AETB Tile, and CMC Wrapped Tile with Aztex, Inc., X-CorTM through-thickness
CMC pin reinforcement. Figure 3 shows CMC wrapped tile specimens that were successfully thermal-acoustic
tested in the AFRL/VAS Subelement Facility (SEF) at WPAFB, OH. Figure 4 shows a 12” by 18” CMC faced tile
TPS panel with X-CorTM reinforcement that was also successfully tested in the SEF.

Figure 3: CMC Wrapped Tile TPS



Figure 4: CMC Faced Tile with X-Cor™

The remaining TPS concepts were Mechanically Attached Ceramic Blankets (no adhesive), and Mechanically
Attached Metallic TPS (no adhesive). Figure 5 is an example of a 12” by 18” dual layer mechanically attached
blanket test panel that has been successfully evaluated in the SEF.

Figure 5: Mechanically Attached Blanket TPS

AFRL/VA Reusable Military Launch System (RMLS) team was tasked to designed a notional space access vehicle.
AML, a commercial software code was used for the RMLS vehicle configuration. This vehicle was chosen for
baseline vehicle. Its length is 65 feet. The vehicle geometry, trajectory, and mission specifics came from a
configuration designer from the Aeronautical Systems Center. The trajectory optimization was accomplished using
the POST [9] software code and this was performed at AFRL/PR (west). The vehicle information and trajectory
were used to get a temperature profile for the entire mission trajectory as shown in figure 14. A 35 degree constant
angle of attack was used during reentry. A 350 degree F internal temperature was maintained at the last layer
surface to drive the TPS thickness during optimization. The temperature at 5 points along the centerline of the
fuselage was calculated, as well as temperature along 5 flow curves down the orbiter wing. See Figure 6, and figure
16.

The typical temperature vs time plot of fuselage center line flow curve is shown in figure 15. The temperature plots
of wing flow curves are not shown in this paper, but maximum temperatures of the five wing and one fuselage flow
curves as shown in figure 16. The right wing temperatures and TPS weights are assumed symmetrical as of the left
wing. The leeward TPS design is not performed as a part of this in-house study.
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Leading edge and nose TPS was not included in this study. Max temp was about 2700 degrees F, and the resulting

thickness of the TPS at that point was 5.31 inches. Adhesive was modeled as accurately as possible. The substrate
was not modeled because some of the concepts were composite skin, while others were aluminum skin.

The six different concepts are summarized in figures 7 to figures 12. Summary of weight and maximum TPS
thickness is shown in the table 1 and figure 13..

A. Abbreviations for the concepts:

High Temperature Reusable Surface Insulation (HRSI)
Reaction Cured Glass (RCG)

Toughened Unipiece Fibrous Insulation (TUFI)
Alumina Enhanced Thermal Barrier (AETB)

Ceramic Matrix Composite (CMC) Wrapped Tile

RCG Coating (0.005 in)

HRSI Tile (Optimized)

Adhesive (0.008 in)

Nomex Felt (0.16 in)

Adhesive (0.008 in)

Alum skin

Figure 7 - Concept No. 1 Shuttle Baseline

Concept No. 1 is based on the original bonded tile configuration for the Shuttle Orbiter windward surfaces. It
requires two layers of adhesive with an intervening strain isolation layer to decouple tile and skin strains for
aluminum based structure. This concept was chosen as the baseline since it is a flight proven system in use today
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for the world’s only reusable space launch vehicle. The design is lightweight but is susceptible to damage from
debris impacts.

RCG Coating (0.005 in)

TUFI Tile (0.1 in)

AETB Tile (Optimized)

Adhesive (0.008 in)

Nomex Felt (0.16 in)

Adhesive (0.008 in)

Aluminum Skin

Figure 8 - Concept No. 2 Upgrade Ceramic Tile

Concept No. 2 is the upgraded, TUFI coated tile design developed for the Shuttle. This design has been proven in
ground testing and in flight, for selected locations on the Orbiter, to offer superior damage resistance versus tiles
without TUFI. This concept is similar to Concept No. 1 in that it requires strain isolation for use on aluminum
structure.

RCG Coating (0.005 in)

CMC Face sheet (0.05 in)

AETB Tile (Optimized)

RTV Adhesive (0.008 in)

Composite Skin

Figure 9 - Concept No. 3 CMC Wrapped Tile

The first developmental design selected was Concept No. 3. It utilizes a CMC facesheet to provide further
resistance, versus Concept No. 2, to potentially damaging impact events. This concept was selected in conjunction
with a graphite reinforced composite structural skin without any intervening strain isolation layer. Elimination of
the strain isolation layer and one layer of adhesive reduces attachment weight. This concept has only been
demonstrated to-date in ground testing. The CMC outer skin of the TPS adds weight, versus Concepts 1 and 2, but
provides a more robust system for the military environment.

RCG Coating (0.005 in)

CMC Face sheet (0.05 in)

X-Cor™ (Optimized)

RTV Adhesive (0.008 in)

Composite Skin)

Figure 10 - Concept No. 4 - CMC Wrapped Tile with X-Cor™

Concept No. 4 is a further iteration of tile technology and an extension of Concept No. 3. It uses the Aztex, Inc., X-
Cor™ concept to reinforce CMC skinned tile with through-thickness CMC reinforcing pins. This concept has also
only been evaluated to-date in ground testing. The CMC reinforcing pins provide added resistance to CMC
facesheet delamination that might result from thermal strain mismatch at the facesheet-to-tile interface or from
debris impact events. This concept is also directly bonded to a composite skinned structure.



RCG Coating (0.005 in)

NEXTEL (0.1 in)

Saffil (Optimized)

Nextel (0.2 in)

Saffil (0.2 in)

Nextel (0.1 1in)

Composite Skin

Figure 11 - Concept No. 5 Mechanical Attached Ceramic Blanket

Concept No. 5 is a derivative of Shuttle bonded blanket technology. In this concept, mechanical attachment replaces
the adhesive bond, creating the possibility for a dual-layer blanket stack as evidenced in this design. Blankets are
relatively cheap, and the dual-layer feature can increase total thickness beyond what is currently possible with a
single blanket. The dual-layer can also be used to block direct line-of-sight of the structure at blanket-to-blanket
joints. This design does not offer improved damage resistance, but it does offer improved operability via its easy
remove/replace attribute. If used in less damage-prone areas, this concept can improve vehicle turn-times through
easy TPS removal and replacement where frequent access to underlying structure or subsystems is required.

Inconel Honeycomb

Saffil Alumina Insulation

Titanium Foil

Titanium Honeycomb

Aluminum skin

Figure 12 - Concept No. 6 — Mechanically Attached Metallic TPS

Concept No. 6 is a mechanically attached, metallic TPS design. It offers the operability advantage of mechanical
attachment, along with the ductility advantage of a metallic material versus a ceramic. The latter is advantageous
for debris impacts where deformation of a metallic skin might occur versus fracturing for a ceramic based concept.
The metallic concept, however, has a lower maximum use temperature versus ceramic materials and may be limited
to non-windward surface areas for military vehicles.

Conce | FS Max. | Wing  Max. | Total Weight
pt Thickness Thickness
1 3.52 inches | 3.84 Inches 4739 Lbs.
2 4.56 Inches | 4.87 Inches 5880 Lbs.
3 4.81 Inches | 4.94 Inches 6578 Lbs.
4 4.97 Inches | 4.46 Inches 7475 Lbs.
5 4.89 Inches | 5.31 Inches 5289 Lbs.
6 Too  high | - -
Temp.

Table 1 - Total Vehicle TPS Thickness and Weight

B. Weight results Analysis

HRSI tiles (BASELINE - Concept 1) 4739 lbs

Mech-attached ceramic blankets (Concept 5) 5289 Ibs 12% heavier than baseline

TUFI/AETB tiles (Concept 2) 5880 Ibs 24% heavier than baseline

CMC wrapped AETB tiles (Concept 3) 6578 Ibs 39% heavier than baseline

CMC wrapped tile w/X-Cor™ pins (Concept 4) 7475 Ibs  57% heavier than baseline
8
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V. Matrix For The Comparison Of Concepts

(On ascale of 1-5, 5 = The Best, 1 =The Worst)

Concept 1 Concept 2 Concept 3 Concept 4 Concept 5
Weight 5 3 2 1 4
Reliability 2 3 4 No Data No data
Turn Time 2 3 4 No Data No Data
Durability 2 3 4 No Data No Data
Affordability 4 3 2 No Data No Data

The concepts 4 and concept 5 are fairly new so very limited data are available for the reasonable comparison. There
is a trade off for each concept for weight, reliability, turn time, durability and affordability. This in-house study has
assisted AFRL/VA in making educated decision for technology trade off. The assessment the data as of this in-hose
study provided the Air Vehicle Directorate’s space programs office a quantifiable measures to support and guide the
new technology planning decision.

V1. Follow-On Efforts

The analysis described in this paper has been useful in providing additional technical information needed to impact
future research within AFRL. However, additional analysis is anticipated to expand the scope of this study to
include integrated hot structures for the entire vehicle and to further address operability issues. The MINIVER
material data base also needs to be updated with more modern materials to facilitate expanded research. This
material data base was constructed in 1991. AFRL/VASD has added few additional materials in 2003 but there is a
need to add more recent materials for completeness.
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APPENDIXI

Noise Mitigation of Ducted Supersonic Jets for Launch Exhaust
Management Systems

B.T. Vu
NASA-Kennedy Space Center
KSC, FL 32899

M. Kandula
Sierra Lobo, Inc. (USTDC)-Kennedy Space Center
KSC, FL 32899

ABSTRACT

The Launch Systems Testbed (LST) at the Kennedy Space Center (KSC) has conducted
acoustic testing for passive mitigation of supersonic jet noise with exhaust ducts. Tests were
performed with a cold nitrogen jet issuing from a nozzle of 1-inch exit diameter and an exit Mach
number of 2.5. This report describes the existing cold jet simulation capability along with
preliminary results on noise mitigation with closed and partially open ducts with rigid walls and an
upstream J-deflector. Relative to the nozzle exit plane, the location of the duct inlet is va ried at
10, 5 and —1 jet diameters. Farfield sound pressure levels were obtained at two levels (54 jet
diameters and 10 jet diameters above ground) with the aid of 9 equally spaced acoustic sensors
around a circular arc of radius equal to 80 jet diameters. Comparisons of the jet acoustic field
were made with and without the duct.

INTRODUCTION

Air Force Research Laboratories (AFRL) has authorized NASA KSC to carry out a basic
technology test program in support of developing clean launch pads for future launch vehicles
incorporating passive sound mitigation techniques. These launch pad designs focus on reducing
cost while enhancing safety and quick turnaround times. The overall goal of the program is to
develop launch exhaust management systems, which effectively reduce the generated acoustic
loads with innovative duct designs devoid of water injection systems. The preliminary series of
tests are designed towards defining the jet acoustic load environment for closed duct and partially
open duct (upper duct wall removed) configurations.

A major objective of LST is to establish a capability to simulate a small-scale launch vehicle
environment for use in testing and evaluation of launch pad designs for future space vehicles.
Scale model testing along with analytical methods is helpful in designing such systems as a
means of predicting the full-scale acoustic environment [1-5]. In the initial phase of this study, the
LST conducted cold jet tests with nitrogen gas issuing from an ideally expanded small-scale
nozzle of 1-inch exit diameter with an exit Mach number of 2.5. Tests were conducted with free
jets, jet passing through closed ducts and partially open ducts with an upstream J-type deflector.

EXPERIMENTAL SETUP

TEST FACILITY

The Trajectory Simulation Mechanism (TSM) located at the Launch Equipment Test Facility
(LETF) in the KSC Industrial Area served as the primary facility for conducting these tests. It is
designed to simulate x-y launch trajectories for nonstationary scaled acoustic load on the launch

: Approved for public release, distribution is unlimited. This work was performed under contract no. MIPR-
NGWRVAQ0027223 with Air Force Research Laboratory, Wright-Patterson AFB, Ohio
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vehicle, payload, and ground support equipment. TSM features a 1/10-scaled model of the Space
Shuttle launch parameters. The simulation capability is available only for cold jets where the
nozzle exit temperature is colder than the ambient temperature.

A schematic of TSM and related test setup is included in Fig. 1. The TSM facility is outfitted
with a chamber and a supersonic nozzle held in vertical position. The chamber is fed from
pressurized gaseous nitrogen bottles (8000 psi) in conjunction with two pressure regulators in
series. The pneumatic system was modified to facilitate a continuous supply of nitrogen for the
duration of the tests. The TSM facility also provides necessary instrumentation for measurement
of the flow and the acoustic field.

The convergent-divergent nozzle was designed on the basis of a characteristic method and
was made of stainless steel. The Mach 2.5 nozzle has an exit diameter of 1 inch. This dimension
compares with 3 to 4 feet of nozzle exit diameter typical of large rocket engine nozzles. Typical
chamber and nozzle conditions for the scale model test series considered here are displayed in
Table 1. The nozzle is capable of generating an acoustic load in excess of 150 decibels (dB) near
the nozzle exit.

A scaled aluminum exhaust duct with an upstream J-deflector (30-degree inclination to the
vertical) was fabricated and installed under the nozzle. A photographic view of the actual jet/duct
setup is displayed in Fig. 2. The cross section of the duct is 6 inch by 12 inch. The exhaust duct
can be positioned at desired levels relative to the nozzle exit plane (NEP). Only static tests (with a
stationary nozzle) are considered in the present investigation.

INSTRUMENTATION

The chamber conditions (pressure and temperature) are measured by a pressure gauge and
thermocouple mounted on the chamber wall. From the measurement of the total pressure and the
static pressure at the NEP, the exit Mach number is computed with the aid of Rayleigh’s pitot tube
formula [6].

The acoustic field surrounding the nozzle/duct configuration was measured by an array of
acoustic transducers (microphones) placed azimuthally at 22.5-degree increments (Fig. 3). Bruel
& Kjaer microphones of 0.5-inch diameter were used for recording the sound pressure. The
sensors were placed azimuthally at 80 nozzle exit diameters from the NEP, thus representative of
far-field condition.

DATA ACQUISITION

Time history measurements are made of chamber pressure, chamber temperature, and pitot
and static pressures at the NEP. These measurements serve to indicate the time at which steady-
state conditions are achieved. Generally, it takes about 60 seconds for steady conditions to
prevail.

As soon as the flow becomes steady, acoustic data begin to be recorded. Pressure-time data
from the microphones are processed by the data acquisition system. The data are sampled at a
maximum rate of 125,000 samples/second. With the aid of LabVIEW software, the time domain
data are processed in the form of narrowband spectra, 1/3-octave band sound pressure levels,
and overall sound pressure levels (OASPL) at each location.

TEST PROCEDURE

The chamber and the nozzle are attached to a mounting plate on the TSM horizontal
carriage. This carriage is placed in the “maintenance position” and retracted towards the TSM
base for all static tests. For the duct testing, the exhaust duct is installed below the nozzle at the
desired levels corresponding to one of the following configurations: 10 inches below the NEP (jet
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core completely outside the duct; Fig. 4), 5 inches below the NEP (jet core partially outside the
duct; Fig. 5), and jet core totally inside the duct (Fig. 6). Pre-test calibration of all the nine
microphones is carried out. The B&K calibrator is used for this purpose, with 94 dB and 114 dB at
1 kHz.

First the pressure regulator (PR-1) is opened such that the downstream pressure is about
3000 psig. Subsequently, the second pressure regulator (PR-2) control valve is operated such
that the chamber pressure (indicated by the digital readout placed close to the regulator) is at the
desired value of 250 psia to ensure Mach 2.5 at the nozzle exit. At this time, the chamber
pressure, the pitot pressure, and the pitot pressure at the nozzle exit begin recording. It generally
takes about 60 seconds to reach a steady-state chamber pressure. Once the steady-state
chamber pressure is achieved, as indicated by the real-time display in the control room, the
acoustic data begins to be recorded. The acoustics data are taken over a period of about 4
seconds. Post-test calibration of the microphones is also carried out.

RESULTS AND DISCUSSION

OVERALL SOUND POWER

Fig. 7 shows a comparison of the OASPL for free jet with those of a jet passing through a
closed duct, with the NEP located at different heights relative to the duct inlet. While there is axial
symmetry of the OASPL for the free jet, there is considerable directivity of the OASPL in the
presence of exhaust duct. For the nozzle to duct inlet distances of 5 inches and -1 inch (NEP
inside the duct), the OASPL near 0 degree exceeds the value for the free jet case. When the NEP
is held at 10 inches above the duct inlet, a reduction in OASPL of about 3 dB is achieved relative
to the free jet case. These findings suggest that there is an optimum location of the NEP relative
to the duct inlet plane, which results in the largest reduction in the OASPL.

In the case of partially open ducts (Fig. 8), trends are contrary to the closed duct case with
regard to the OAPSL variation with the duct inlet to NEP distance. For the open duct, the OASPL
increases as the distance between the NEP and the duct inlet plane increases. In general, the
OASPL near the duct axis for partially open ducts are considerably higher than that for the free jet
case. This result suggests that closed ducts are preferable to partially open ducts as far as sound
mitigation is concerned.

SPECTRAL SOUND POWER

The spectral content of the sound power level for the free jet is depicted in Fig. 9. In this
configuration, the spectral distribution is symmetric, independent of the azimuthal position of the
microphone. A peak frequency of about 4 kHz is noted in this case and agrees well with the
estimated value based on a Strouhal number (St = f u; / d;) of 0.2. Here f denotes the frequency,
u; the nozzle exit velocity, and d; the nozzle exit diameter. In the closed duct case (Fig. 10) with
duct inlet 10 inches below the NEP, the peak frequency near 8= 0 deg. (corresponding to the
duct axis) is about 4 kHz, which is close to the free jet value. However, the peak frequency
increases as the angle from the jet axis is increased. Differences in the spectrum for various
angles are observed over a wide range of frequencies (roughly 1.5 decades).

Fig. 11 presents the spectral distribution of sound power level for the partially open duct
configuration, with the duct inlet 10 inches below the NEP. Notable differences in the spectral
behavior are observed between the closed duct and the partially open duct case. In the case of
the partially open duct, significant directivity effects persist even at much lower frequencies.

CONCLUSIONS

With the use of a closed duct the overall sound power of a Mach 2.5 supersonic jet is
reduced by about 3 dB. The peak frequency is found to increase above the free jet value as the

96



angle from the jet axis is increased. The results also suggest that there is an optimum distance
between the nozzle exit plane and the duct inlet for minimizing the sound power. The partially
open duct results in increased sound levels near the duct axis relative to the free jet case. With
regard to the closed duct, larger reductions in sound power may be realized by increasing the
duct length, increasing duct cross section (adding a diffuser), and including absorbing liners on
the duct walls.
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Figure 1. Overall Test Setup.

Table 1. Summary of Nozzle Parameters

Parameter Value

Stagnation pressure, psia 250
Stagnation temperature, °R 500
Nozzle mass flow rate, Ibm/s 1.7
Nozzle exit diameter, inch 1.0
Exit pressure, psia 14.7
Exit temperature, °R 222
Exit velocity, ft/s 1,820
Nozzle exit Mach number 2.5
Jet exit Reynolds number 4x10°
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Figure 2. Jet/Duct Configuration
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Figure 8. Comparison of OASPL for free jet and with a partially open duct.
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