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INTRODUCTION 
By 

J. Lukasiewicz, Chief 

VKF, ARO,   Inc. 

The von Karm^n Gas Dynamics Facility 
(VKF) is one of the four major laboratories 
of the Arnold Engineering Development Cen- 
ter (AEDC), Air Force Systems Command, 
USAF, located near Tullahoma, Tennessee. 
The test facilities at the AEDC, including 
the VKF, are operated by a private company, 
ARO, Inc. (subsidiary of Sverdrup and 
Parcel, Inc.) under a contract with the 
U.S. Air Force. 

The AEDC's main purpose is to provide 
advanced and large-scale test facilities 
for use by the Air Force, other government 
agencies, and contractors. The VKF's re- 
sponsibility is in the fields of supersonic 
and hypersonic aerodynamics and hyperveloc- 
ity impact. 

The tests which have been conducted in 
the VKF included support for the following 
major weapon and space systems: 

F103, F105, F106, B58, B70, X15, 
Dynasoar, Atlas, Titan, Min- 
uteman, Skybolt 

USAF; 

U.S. Army: 

U.S. Navy: 

NASA: 

Redstone, Pershing, Nike-Zeus 

Polaris, Sparrow 

X15, Mercury, Gemini, Apollo, 
Saturn 

Actually, components of practically all 
of the existing and now planned weapon and 
space systems have been tested in the VKF. 
Also, many tests of a more basic nature 
have been made for USAF, ARPA, and other 
agencies. 

In addition to conducting tests for the 
industry, a considerable amount of VKF's 
effort is spent in internal research and in 
the development of advanced test facilities. 
The purpose of this publication is to ac- 
quaint the reader with these latter activi- 
ties; the contributions here collected were 
authored by senior members of the VKF staff 
and prepared with the object of giving 
worthwhile technical information rather than 
a mere summary of what has been already pub- 
lished.  The contributions are assembled under 
more general subject headings and are briefly 
introduced to better orient the reader in the 
purpose and significance of the particular 
investigations. 

Inasmuch as VKF is probably one of the 
largest and most active installations of 
its kind, it may be of interest to some read- 
ers to consider in general the present per- 
formance of VKF's experimental facilities 
and development, now underway, of the new 
ones. As regards description of present VKF 
facilities, the reader is referred to the 
widely distributed VKF brochures issued in 
1959, 1960, and 1961 and to the frequently 
revised Vol. 4 of the AEDC Test FacilitiC3 
Handbook. 

PRESENT PERFORMANCE OF VKF TUNNELS 

The 12-in. supersonic intermittent Tun- 
nel D was the first to come into operation 
in VKF in 1953. Between 1958 and 1962 all 
other VKF tunnels began to operate, the 
latest addition being the 100-in. test sec- 
tion, Mach 20, hotshot-type Tunnel F. A 
listing of VKF wind tunnels and of their 
major characteristics is given in Table 1. 
Figure 1 indicates the tunnels' aerodynamic 
range of operation in terms of Rejmolds 
number and Mach number, the former being 
based on test section height or diameter, 
or, in the case of hotshot-type and low 
density tunnels, on diameter of the isen- 
tropic and uniform flow core. This being 
the case, the Reynolds number as shown is 
indicative of the model size. All of the 
tunnels listed are fully calibrated and in- 
strumented for force, pressure, and heat- 
transfer tests. 

It is evident from Fig. 1 that an ex- 
tremely wide M-Re range is being covered 
by the VKF tunnels.  This has proven to be 
most advantageous in many investigations, 
for example, in the studies of hypersonic, 
viscous interaction described in this col- 
lection. • 

Also included in Fig. 1 are some pro- 
posed future extensions of tunnels' per- 
formance.  The Mach 10 Tunnel C is to be 
equipped with a Mach 12 nozzle and a suit- 
able 2000OF air heater, to provide a choice 
of Mach 10 or Mach 12.  Tunnel F operation 
is to be extended toward higher Reynolds 
numbers and lower Mach numbers. A larger, 
low-density, hypersonic (LDH) tunnel is 
proposed, covering higher Mach and Reynolds 
numbers and filling in the M-Re area be- 
tween the present, small low-density Tunnel 
L and the large hotshot F. 

Table 1 
VKF Wind Tunnels 

I2! 
Test Section 

Size, in. 
MaohNo. 

Range 

Continuous iOxto 1.5-4 
Continuous 50 diam S 
Continuous 50 diam 10 

Intermittent J2xl2 1.5-5 
Interniittent 12x12 5-8 

Hotjtiot 50 diam 18-22 

Hotshot 100 diam 16-22 

Continuous 
Arc-HMIM 
(Nitrogen, 
Argon t 

Idlam 
(Core Size) 

t-11 

Po Range, 
psia 

1-2(10 

100-900 

175-2000 

0.8-60 

70-1300 

3,000-15,000 

3,000-15.000 

10-20 

TQ.OK 

310-420 

750 

1060 

300 

310-750 

2500-4500 

2500-4500 

1500-4000 

Re/n X lO"* 
Range 

02-9.3 

14-3.8 

0.3-2.4 

025-18.7 

09-14.6 

1025-0.35 

1025-135 

1005-1012 

Note:  A twtshot tunnel, having a 16-in. -diam test section, is mentioned several times in this volume. 
The performance of this tunnel, no longer in existence, was similar. In terms ol free-stream 
conditions, to that of the 50-in. hotshot H. listed aljove. 



both applications, these techniques have 
been judged limited as regards extension in- 
to the hypervelocity range of interest (say 
in excess of IO.OOQOK or 20,000 ft/sec). 

30o.a»Jl 

Test Section 
or Core 

unnel Size, in. 

A « x 4) 
B 50 diam 
C 50 diam 
D 12 X 12 
E 12 X 12 
F lOOW    L.^ 

H 50/20      fc 

Fig. 1  Range of Operation of VKF Wind 
Tunnels 

The choice of the coordinates in Fig. 1 
is deliberate in that the wind tunnels 
shown provide true simulation in terms of 
Mach and Reynolds numbers only and do not 
purport to provide hypervelocity flow in 
which the so-called real gas effects are 
significant.  In spite of the hopes which 
have been expressed by many laboratories 
(including the VKF) in the past of attain- 
ing hypervelocity flight simulation and 
duplication in wind tunnels, this goal has 
yet to be achieved.  To date, the tech- 
niques used in the VKF to obtain relatively 
high stagnation temperatures (4000°K cor- 
responding to 10,000 ft/sec) relied on ap- 
plication of electric arc discharge, either 
of short duration :and large current, as in 
hotshot-type tunnels, or of continuous type, 
as in the low-density, hypersonic tunnel. 
Although successful and extremely useful in 

Table 2 
Hypervelocity Range Facilities 

Ranqe Tffie 

Impact 

Size, K 

3-aiam Target 
Cti amber 

Pressure Range, 
mmHq Caliber 

a3or 

, in. 

0.5 

Velocity 

S-1 itr' - 760 26ldt;sec, 
1/16-in. Al Sphere 

S-Z Impact 6-diam Target 
Cli amber 

l(r*-760 0.5 30 lefty sec. 
1/8-in. Cu Sphere 

K Aeroballistics 100x6 diam 0.1 - 760 0.5- SZkft/sec, 
a 5 gram 

c Aeroballlstics 1000x10 diam 15xlO'3-760 2.5 •25 kft/sec, 
250 grams 

DEVELOPMENT OF HYPERVELOCITY WIND TUNNELS 

It is thus apparent that a rather well- 
defined stage has been reached in the hy- 
personic wind tunnel technology:  the 
available techniques have been well ex- 
ploited in terms of Mach and Reynolds num- 
bers, while new techniques have to be de- 
veloped and present ones pushed well be- 
yond the current technology in order to 
enter the true hypervelocity regime. 

With this realization, work directed 
toward development of 20,000-ft/sec-plus 
tunnels started in VKF in 1962.  The shock- 
tube tunnel technique has been chosen, al- 
though application of unsteady expansion 
methods is also being investigated experi- 
mentally.  The emphasis has been placed on 
attainment of both hypervelocity and equi- 
librium flow, the latter requirement ne- 
cessitating expansion from extremely high 
reservoir pressures.  So far, the results 
indicate that development of a suitable 
shock-tube driver may well be the critical 
factor. Large-scale experimental work 
with a 4-in.-diam, 5000-atm shock tube 
will start in VKF early this year. 

The approach here mentioned is of course 
only one of the many on which work is pro- 
ceeding at AEDC and elsewhere.  Since in- 
terplanetary flight missions involve ve- 
locities completely out of reach of the 
well-established wind tunnel techniques, 
it seems evident that radically new meth- 
ods have to be developed.  In particular, 
such velocities are most unlikely to be 
obtained by expansion of gas from a state 
of high pressure and enthalpy; rather, 
direct acceleration methods may offer prom- 
ise.  Investigation of application of such 
methods under both high and very low-densi- 
ty conditions are in progress in the VKF. 

"Planned to start testing in 1964; estimated performance. 

Fig. 2 Development of VKF Hypervelocity 
Launchers through the Years 

i 



HYPERVELOCITY RANGE TECHNIQUE 

The aeroballistic range technique - one 
of the oldest aerodynamic tools - antecedes 
wind tunnels by many years.  Provided a 
suitable launcher can be developed, it of- 
fers exact duplication of free-stream con- 
ditions, at the expense of data acquisi- 
tion, a task much more difficult than in 
wind tunnel testing.  In view of the wind 
tunnel limitations discussed above, pre- 
liminary investigations of high-speed 
launchers were initiated in VKF in 1957, 
the effort being stepped up in 1960 and 
leading toward bringing into operation this 
year a large, 1000-ft-long hypervelocity 
range facility. 

The ballistic technique lends itself 
also to investigation of hypervelocity im- 
pact phenomena, such as may occur in space 
flight due to collision with man-made or 
natviral objects.  The VKF has been engaged, 
since 1961, in impact studies at velocities 
up to 30,000 ft/sec. 

In Table 2, the VKF aerodynamic and im- 
pact range facilities are listed together 
with the major performance parameters. The 
course of development of hypervelocity 
launchers is depicted in Fig. 2.  The bene- 
ficial effect of the use of hydrogen in 
lieu of helium as the propellant in the 
two-stage guns is clearly evident. 

It has been indicated that a plateau of 
wind tunnel development has been reached 
and that radically new approaches are re- 
quired to enter the true hypervelocity 
field. 

Although at a different velocity level, 
the situation seems to be analogous with 
respect to the launcher development.  In 
Fig. 3 a plot is shown of total launch 
weight versus velocity. The data have 
been extracted from publications of all 
major contributors to this field and are 
identified by initials of the various or- 
ganizations. Through the points of maxi- 
mum velocity at any given weight, a line 
has been drawn labeled "Record 1962" and 
substantially represents the maximum claims 
of the major aeroballistic test facilities. 
There are two interesting observations to 
be made concerning Fig. 3. First, it is 
evident that the maximum velocity is 
strictly a function of weight and that 
therefore claims of absolute maximum ve- 
locity reached are of little significance. 
Secondly, an extrapolation of the "record" 
curve leads to negligible weights at ve- 
locities of about 35,000 ft/sec.  Since 
the higher velocities plotted in Fig. 3 
were invariably obtained with some type of 
a light-gas gun, the extrapolation of this 
curve might, in fact, indicate the limita- 
tions of this type of launcher. 

Such limitations are also apparent from 
correlation of theoretical analyses of 
light-gas launchers with experimentally 
determined performance. 

It would thus appear that, in order to 
substantially increase the launch velocity, 
resort must be made to new techniques. Two 
general approaches are possible:  augmen- 
tation of performance of light-gas guns 

and development of radically different 
techniques. At present, the former ap- 
proach has been chosen at the VKF. 

The basic problem of imparting substan- 
tial acceleration to a projectile already 
traveling at 30 kft/sec presents a serious 
challenge. The first step considered nec- 
essary before augmentation can be attempted 
is a detailed investigation of kinematics 
of the existing, high performance light- 
gas guns, and work in this direction is 
proceeding in the VKF. 

COUNTERFLOW RANGE TECHNIQUE 
From the previous discussion the veloc- 

ity limitations of wind tunnels and launch- 
ers are clearly apparent.  Insofar as the 
aerodynamic testing using the range tech- 
nique is concerned, a substantial increase 
in the relative velocity is immediately 
possible by combining a launcher with a 
wind tunnel in a counterflow configuration. 
This technique has been pioneered by the 
NASA Ames Research Center and it is also 
being developed in the VKF for future ap- 
plication to the hypervelocity shock tun- 
nel already mentioned.  With the VKF pilot 
counterflow facility, which began operating 
early this year, relative velocities of 
40 kft/sec will be possible with the exist- 
ing launchers (30 kft/sec), whereas speeds 
of 50 kft/sec would be eventually reached 
with the hypervelocity shock tunnel. 

Fig. 3 Maximum Launch Velocities 
and Weights 



T9mp9r<itun fnsitiv paint was us»d to study fwof 
transfer to a lifting configuration at Mac/> 70. 



AERODYNAMICS 

ANALYTICAL STUDIES 

In order to provide a sound basis for analysis and correlation of experimental results, purely tbeoret' 
ical studies ore being conducted in the VKF. They are directed toward the effective use of existing theories 

and developing new approaches. Both tasks often involve complex calculations and hence require develop- 

ment of special computational procedures. This is also true of the determination of the thermodynamic prop- 

erfies of the working gas media. 

THE INVISCID FLOW FIELD OF BLUNT, AXISYMMETRIC BODIES 

By 

C. H. Lewis 

It is well known that at hypersonic con-- 
ditions there may exist a significant cou- 
pling between the viscous and inviscid flow 
fields known as "viscous interaction" (see 
page 20). Nevertheless, there are many 
cases in which this coupling is weak, and 
one is justified in neglecting its influ- 
ence.  In such cases knowledge of the in- 
viscid flow field is required for determi- 
nation of the wall boundary-layer edge 
conditions. 

Of primary interest here is the calcula- 
tion of the flow field about a blunted, 
axisymmetric body.  Specifically, results 
for the flow of perfect gas iy =  1.4) over 
a 9-deg half-angle, spherically blunted 
cone and a hemisphere-cylinder at Moo = 18 
will be presented. The calculations are 
based upon the method of Gravalos (Ref. 1) 
of the General Electric Company. 

In Gravalos' method the flow field over 
a blunt body is divided into three regions: 
(1) transonic, (2) supersonic, and (3) sub- 
sonic.  In most instances, it is only nec- 
essary to calculate (1) and (2) since the 
extent of (3) is small and does not sig- 
nificantly affect the downstream regions. 
The transonic solution is assumed to be a 
unique solution for a given set of free- 
stream conditions and body geometry (usu- 
ally taken to be a sphere in the transonic 
region). For a given body shape, a pres- 
sure distribution (initially taken to be 
Newtonian) and a shock shape are assumed. 
Since it is necessary to iterate for a 
solution in the transonic region, the more 
accurate the data are assumed, the faster 
a solution will be obtained. Experience 
has shown that when a spherically concen- 
tric shock wave and Newtonian pressure dis- 
tribution are assumed, about eight itera- 
tions are necessary for convergence to the 
final solution. 

Fig. 1 The Shock Shape over a Sphere 

The shock shape determined from a per- 
fect gas (Y = 1.4) transonic solution at 
Mjo = 18 is shown in Fig. 1, where experi- 
mental data from AEDC-VKF 16-in. Hotshot 
tunnel are also shown. The agreement be- 
tween theory and experiment is excellent. 
The theoretical and experimental pressure 
distributions on a hemisphere-cylinder are 
compared in Fig. 2. 

The primary purpose of the transonic 
solution is to provide initial data for the 
supersonic region. To obtain these initial 
data a non-characteristic line (usually a 
normal to the surface ) is drawn from the 
body to the shock wave in the transonic re- 
gion where the Mach number at the wall is 
about 1.1.  Data are interpolated at 18 
points evenly spaced along the initial line. 
These data are plotted and smoothed such 
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Fig. 2  Pressure Distribution over a 
Hemisphere Cylinder 

that the shock crossing conditions are sat- 
isfied at the shock wave. 

The initial value problem is now well 
posed. The characteristic equations are 
solved subject to the inviscid wall and 
shock crossing boundary conditions and the 
given initial data. The flow field solu- 
tions are then obtained by iteration along 
the characteristic directions. The results 
of such calculations, in terms of pressure 
distributions, for flow over 9-deg half- 
angle, spherically blunted cones are shown 
in Figs. 3 and 4.  These calculated data 
are identical to those previously obtained 
by FitzGibbon (Ref. 2) for a 0.05 nose 
bluntness ratio, 9-deg half-angle cone. 
The difference between theory and experi- 
ment must be attributed to viscous rather 
than to the real gas effects; thus, the 
agreement between the Ma. '= 15 real gas 
solution (Fig. 3) and experiment should be 
considered fortuitous. The viscous param- 
eter (see page 20) shown in Fig. 3 is 

M ■JC~ / -jRe 
/• "oo,L 

where C = (n /[J, ) (T /T „) and Re ^ is the 
00     '^w^ "^co'  oo'  W 00, L 

free-stream Reynolds number based on model 
length. 

The calculated results for the super- 
sonic flow field over a hemisphere-cylinder 
are shown in Figs. 5 and 6.  Experimental 
data are also shown from the AEDC-VKF-50-in. 

Fig. 3 Pressure Distribution over a 
9-deg Sphere-Cone, 0.3 Bluntness Ratio 

Hypervelocity (hotshot type) tunnel. The 
real gas numerical results of Feldman (Ref. 
3) for Moo ~ 18 at 60,000-ft altitude are 
also shown for comparison.  The mean of the 
experimental pressure data is within ±10 
percent of the perfect gas characteristic 
solution. 

The shock shape of a 9-deg half-angle, 
spherically blunted cone is shown in Fig. 7. 
The results of the Y = 1.4 and real gas 
characteristic solutions are compared with 
the experimental results of Lewis (Ref. 5) 
in the AEDC-YKF-16-in. Hotshot at M„ = 18.9 
and Xnouye and Lomax (Ref. 8) in the Ames 
Free Flight Range at M„ = 17.8.  One should 
note, however, that the free-flight Reyn- 
olds number is two orders of magnitude 
larger than in the VKF experiment. Hence, 
the relationship between inviscid, perfect 
gas theory and the experiments is, as ex- 
pected, qualitatively correct. 

Similar computational methods are avail- 
able for flow fields of sharp, pointed 
bodies.  Computational methods have been 
developed for (1) application of the char- 
acteristics solution to the flow inside an 
axisymmetric nozzle, (2) inclusion of 

Fig. 4 Pressure Distribution over a 
9-deg Sphere-Cone 
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Fig. 5 The Shock Shape over a 
Hemisphere-Cylinder 

Prandtl-Meyer expansions in flow fields, 
and (3) inclusion of secondary shocks in 
flow fields (see, e.g., Ref. 4). 
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THE BLAST-HYPERSONIC FLOW ANALOGY 

By 

J. Lukasiewicz and C. H. Lewis 

It was Hayes (Ref. 1) who pointed out 
that the hypersonic, small disturbance 
theory is given by the \msteady solution 
in one less space coordinate, so that 
flow in the plane normal to the direction 
of motion can be treated independent of x. 
The hypersonic, small disturbance theory 
(Ref. 2) is applicable to slender bodies 
such that the body thickness parameter 
T « 1 and at large Mach numbers such that 
MjoT > 1. Thus, the small disturbance the- 
ory will not apply in the nose region 
where T « 1 is violated. Also, it will 
not apply far downstream where M^^T > 1 
does not hold. 

The original Taylor's (Ref. 3) solution 
(first approximation) of a spherical blast 
wave was extended by Lin (Ref. 4) to the 
case of a cylindrical blast wave where he 
also obtained the steady-flow, axisymmet- 
ric solution analogous to the cylindrical 
shock.  Sakurai (Refs. 5 and 6) published 
first and second approximation solutions 
for plane, cylindrical, and spherical 
blasts. Cheng and Pallone (Ref. 7) applied 
the plane wave, first approximation solu- 
tion to the case of steady flow past a 
blunt plate.  Lees and Kubota (Ref. 8) ap- 
plied Sakurai's results to obtain a sim- 
plified second approximation, axisymmetric 
solution in the specific case of a hemi- 
sphere-cylinder at M„ = 7.7, y  = 1.4. 

Thus, several years ago it became ap- 
parent that, although several specific 
cases had been treated, a consistent set 
of blast analogy solutions was not avail- 
able. These solutions were derived by 
Lukasiewicz (Ref. 9), who applied Sakurai's 

first and second approximation solutions 
to two-dimensional and axisymmetric flow 
problems.  He derived expressions for the 
shock shape and pressure distribution over 
blunt-nosed flat plates and cylinders, and 
also presented (Ref. 9a) the variation of 
pressure and density in the flow field 
over a cylinder. Comparisons of experi- 
mental results (for ideal air conditions, 
Y = 1.4) and theoretical, characteristics 
calculations for ideal and real air indi- 
cated that excellent agreement with the 
blast analogy solutions was obtained over 
a wide range of Mach numbers and drag co- 
efficients, provided a simple shift of the 
origin of the body coordinates was made 
(streamwise coordinate for the pressure 
distribution and radial coordinate for the 
shock shape). Typical examples of such 
correlations for axisymmetric flow are 

First Approximation 

p/p = 0.067M2c„'-^2/(x/d) 

R/d = 0.795Cjj^^*(x/d)i''2 

(1) 

(2) 

Second Approximation 

p/p^, = 0.067M2Cjji^V(x/d) + 0.44       (3) 

(R/d)/(M^Cj,i'2) = 0.795[(x/d)/(M2Cjj^^2)]l/2 

[1 + 3.15(x/d)/(M2Cjji''2)]i''2 

(4) 

These results are shown in Figs. 1 and 2. 

Fig. 1 Correlation of Theoretical (Method 
of Characteristics) and Experimental Shock 
Shapes in Axisymmetric Flow of Ideal Air 
(7 = 1-4) 

Fig. 2 Correlation of Theoretical Pres- 
sures in Axisymmetric Flow (7 = 1.4, 
Ax/d = 1) 
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A new approach to the unsteady blast 
problem was developed by <3shima (Eef. 10), 
who assumed the flow within a cylindrical 
blast shock to be similar near the shock 
wave.  Lewis (Ref. 11) extended TSshima's 
solutions to include spherical and plane 
blasts, and he also obtained improved ac- 
curacy in the nvunerical solutions for the 
cylindrical blasts.  In application to un- 

vP 

steady, hypersonic flow, Lewis (Eef. 12) 
used Oshima's quasi-similarity model to 
compute the shock shape and pressure dis- 
tribution in two-dimensional and axisym- 
metric flow. The results are shown in 
Figs. 3 through 6, where theoretical (char- 
acteristics solutions), experimental, and 
Lukasiewicz's blast analogy results are 
also shown. 

R/d 
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SKIN FRICTION AND HEAT TRANSFER FOR LAMINAR BOUNDARY-LAYER FLOWS 

By 

C. H. Lewis 

SKIN FRICTION AND 
BOUNDARY-LAYER CHARACTERISTICS 

The calculation of boundary-layer char- 
acteristics (e.g., boundary-layer thick- 
ness, 5, momentum thickness, 0, displace- 
ment thickness, 5*, and wall shear stress, 
Tw) is of great interest in fluid mechanics. 
Of particular interest in experimental wind 
tunnel studies is the calculation of the 
skin friction contribution to the total 
drag.  At high Mach numbers (Moo ~ 20) and 
moderate Reynolds numbers based on free- 
stream conditions and model length (Reeo L 
~ 33,000), Whitfield and Griffith (Ref.'l) 
have shown that the total drag of a 9-deg, 
spherically blunted cone is approximately 
twice the inviscid pressure drag. 

Two examples will be discussed which in- 
dicate studies made in VKF.  Each example 
is chosen to display different phenomena. 
In one case there were large separated re- 
gions, and the theory was in doubt.  In the 
other case, with the inclusion of the second- 
order effects, the calculated results agree 
well with the experimental ones. 

A CONE-CYLINDER-FLARE 
MODEL AT I^^ = 1.48 

A modification of Cohen and Reshotko's 
integral method (Ref. 2) is currently used 
in the VKF for computing skin friction and 
boundary-layer characteristics over blunt 
and sharp axisymmetric and two-dimensional 
jDodies at zero angle of attack.  In order 
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Fig. 1 Body Geometry and Pi-essure Distri- 
bution over HB-2 at M^ =1.48 

to present the method, a recent calculation 
will be discussed which displays a modifica- 
tion of the basic integral method of Ref. 2 
and provides results for comparison with 
experiment. 

The example chosen is the hypersonic 
test body HB-2 at M^ = 1.48.  The body 
geometry and pressure distribution are 
shown in Fig. 1.  The pressure distribution 
shown in that figure is the result of a 
single empirical equation for the experi- 
mental data.  The method of empirically 
fitting data was devised by Grabau (Ref. 3) 
for fitting thermodynamic data.  The empir- 
ical pressure distribution formula is with- 
in a percent or so of the faired experimen- 
tal data. 

A typical result of the boundary-layer 
characteristics is shown in Fig. 2, where 
the momentum thickness distribution 6   (^) 
is shown.  The regions where 9=0 result 
from a predicted separation of the laminar 
boundary layer.  Because of the three dis- 
tinctly separated regions, a modification 
to the integral method proposed by Cohen 
and Reshotko (Ref. 2) was found necessary. 
This modified procedure, for the case pre- 
sented here at least, is more accurate than 

Fig. 3 Skin Friction Parameter for HB-2 at 
M =1.48 

CO 

the one given in Ref. 2. Basically the 
Falkner-Skan pressure gradient parameter m 
was computed from the transformed velocity 
distribution, m = d log Ug/d log X (for 
details see Refs. 2 and 4).  The formula 
3 = 2m/(m+l) was used to obtain ^.     From the 
similar solutions, a relation n(e;S^) was 
obtained.  The remaining calculations 
followed the integral method of Ref. 2. 
This modification works well where the 
favorable pressure gradient is not too 
large and has the added feature that the 
solution is independent of the assumptions 
required to obtain the correlation parameter 
in the basic integral method.  The modified 
procedure is also more stable where the 
boundary layer reattaches downstream of a 
separated region.  Of course, the solution 
is no better than the theoretical model for 
which the similar solutions were obtained. 
It should also be stated that the effects 
of secondary shocks caused by the separated 
boundary layer and/or flare were neglected. 

The skin friction parameter is 

Cf ^- R^w 
''w '^e  V P-^ 

Fig. e(n for HB-2 at M =1.48 

where w denotes conditions at the wall (here 
assumed to be the adiabatic wall conditions), 
and e denotes conditions at the "edge" of 
the boundary layer.  This parameter is shown 
in Fig. 3.  In this example, the calculated 
friction drag coefficient, CDf, was only 
about one percent of the total drag coef- 
ficient.  However, as noted above, there 
were large separated regions, and the ef- 
fects of secondary shocks were neglected. 
More research is needed to resolve these 
problems. 

A SPHERICALLY BLUNTED 
CONE AT M =19 

00 

In this case, the boundary layer was 
calculated for a 0.3 bluntness ratio, 9-deg 
half-angle, spherically blunted cone (see 
Fig. 4).  This particular model has been 
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Fig. 4 Cone Nomenclature 

studied extensively, both experimentally and 
analytically, in the VKF (see page 6).  A 
free-stream Mach number of approximately 
19 is representative of the conditions in 
the AEDC-VKF Hotshot tunnels (see, e.g., 
Refs. 1 and 5 and page 2) . 

The integral method of Cohen and Reshotko 
(Ref. 2) was used to compute the boundary- 
layer characteristics and skin friction. 
The calculation was based on equilibrium, 
dissociating nitrogen properties (Ref. 6), 
and the experimental pressure distribution 
obtained by the author (Ref. 7), shown on 
page 6.  The computed friction drag based 
on Ref. 2 is shown in Fig. 5, denoted here 
as "similar friction drag".  A similar fig- 
ure was presented by Whitfield and Griffith 
in Ref. 1, where the transverse curvature 
and displacement-induced drag component£ 
were discussed.  The viscous parameter v^o 
shown in Fig. 5 is the axisymmetric viscous 
interaction parameter. 

where C^ is defined by V-Ju-^  = C^(TyT„) . 

0 6 
9^=9°          Sym     M^     ^^w.l^'^^'^ 

0,5 

u" 0.4 

H   0.3 
c 

E.   0.2 

-- = 0,3          0         19          94-245 
VT„ = O.I 

M33 = 19                                   / 

Normal Shock Theory              / 

Transverse-Curvature-    yf        y^^^ 
Induced Friction 'aria,^-^^/^^^^ 

/0;;;M^DispIacenient-l nduced 
y/^'^       Pressure and Friction 

^^                      [-Similar Friction Drag 

0,1 

0 

Inviscid Pressure ; 
Drag 

.         ,                        1 
0                       0,1                     0,2                     0,3 

Viscous Paraneter, Vj^ 

Fig. 5 A Comparison of Theoretical and Ex- 
perimental Drag Coefficient for 9-deg Half- 
Vertex Angle Blunt Cone 

Fig. 6 Heat-Transfer Distribution over a 
Hemisphere-Cylinder 

It should be noted from Fig. 5 that the 
similar friction drag component is linear 
with v^.  Also, for the range of experimen- 
tal conditions shown, the contribution of 
the second-order boundary-layer effects 
(displacement and transverse curvature) is 
small; however, the similar friction drag 
is about 40 percent of the inviscid pres- 
sure drag. 

Unlike the first example_^ if one neglects 
second-order effects for a v < 0.1, the 

CO 
combined pressure and friction drag is in 
reasonable agreement with experiment. 

HEAT-TRANSFER DISTRIBUTION 

An example of the straightforward appli- 
cation of Lees' theory (Ref. 8) to compute 
the heat-transfer distribution over a hemi- 
sphere cylinder in real nitrogen at M — 
18.5 is shown in Fig. 6.  These data were 
presented by Griffith and Lewis in Ref. 9, 
where a study was made of heat transfer to 
spherically iDlunted cones and hemisphere- 
cylinders at hypersonic conditions. 
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THERMODYNAMIC PROPERTIES OF HIGH TEMPERATURE AIR 
AND NITROGEN AND THEIR APPLICATIONS 

By 

C. H. Lewis and Martin Grabau 

THERMODYNAMIC DATA 

In numerical calculations performed on 
high-speed digital computing machines, one 
is faced with the problem of providing 
auxiliary data (e.g., thermodynamic data, 
transport properties, etc.).  Because of 
the limited storage and time required by 
the computer in table-look-up routines, it 
is usually more economical to use empirical 
equations.  However, generalized machine 
programs for determining these empirical 
expressions are not currently available. 

Grabau (Ref. 1) set forth a method of 
forming empirical equations for large num- 
bers of related data with two independent 
variables and then applied it to the thermo- 
dynamic properties of argon-free air (Ref. 
2) up to 15,000°K.  In particular, he dealt 
with the dimensionless parameters Hp/p, S/R, 
and 1/Z as functions of p and p.  A given 
parameter is plotted with respect to log p 
at constant density.  This curve is normally 
a succession j)f straight lines joined by 
transition functions which are asymptotic at 
both ends.  However, the method is not limit- 
ed to the use of straight lines. 

As an example. Fig. la shows two straight 
lines, fi(x) and f2(x), which are joined by 
a curve having a point of inflection at XQ. 
The transition from one line to the other is 
made by means of the Fermi-Dirac function, 
and the whole equation is in the form 

f2(x) - f^(x) 

^ " ^l^''^ ^ 1 + exp [k(x - x^)] 

in which k is a constant which depends on 
the rapidity with which the curve moves from 
one line to the other. 

On the other hand, as is shown in Fig. lb, 
if the transition from one line to the other 
does not involve a point of inflection,-the 
transition is made by means of the Bose- 
Einstein function, and the corresponding 
equation is in the form 

fl(x) 
f2(x) - f^(x) 

1 - exp [k(x - x^)] 

in which XQ is the point at which f.. (x) and 
f2(x) would intersect. 

The constants in t^W   and f2(x), as well 
as XQ and k, are then plotted as functions 
of the second independent variable, and the 
curves are converted to empirical equations 
either by simple polynomials or by means of 
the transition-function technique described 
above. This general method of forming empir- 
ical equations has been applied in a number 
of data-reduction programs, e.g., Ref. 3. 
The choice of p and p as independent varia- 
bles is convenient for some applications 
(e.g., normal shock calculations), but for 
other applications different independent 
variables are more suitable.  For isentropic 
expansions, such as the inviscid flow in a 
nozzle and expansions around a body (e.g., 
the inviscid flow field and "edge" conditions 
for boundary-layer calculations), the choice 
of the entropy S is most convenient.  Also, 
especially in boundary-layer calculations 
where the inviscid flow field is assumed to 

14 



AERODYNAIVIICS 

Fig. la A Fermi-Dirac Type Transition with 
a Point of Inflection 

Fig. 2 Enthalpy of Air 

Fig. lb A Bose-Einstein Type Transition 
without Inflection 

be known, the other natural choice of inde- 
pendent thermodynamic variable is the pres- 
sure. 

The data of Hilsenrath, Klein, and 
Woolley (Ref. 4) for equilibrium dissoci- 
ating and ionizing air have been fitted with 
empirical surfaces* by Lewis and Burgess 
(Ref. 5).  The enthalpy, H(p,S), compressi- 
bility factor, Z(p,S), density, p(p,S), and 
speed of sound, a(z,S) were fitted and are 
shown in Figs. 2 through 5, where the symbols 
denote the errors in the empirical surface 
fits when the data were compared with the 
interpolated data (at log (S/R) = constant). 
The interpolation introduced negligible 
error when compared with the original data 
of Ref. 4.  The data for nitrogen (Ref. 6). 
were similarly fitted by Lewis and Biirgess; 
however, those results are not shown here. 
In general, the errors in the nitrogen sxir- 
face fits are slightly larger than those for 
air. 

Fig. 3 Compressibility Factor for Air 

The method of fitting surfaces to data 
was developed by Messrs. C. H. Link and 
E. G. Burgess, Scientific Computing Serv- 
ices, ARO, Inc. Fig. 4 Density of Air 
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Fig. 5 The Dimensionless Speed of Sound 
Ratio in Air Where a^ = 1086.98 ft/sec at 
One Atmosphere Pressure and 273.150K 

AN APPLICATION:  SPHERE STAGNATION 
POINT HEAT TRANSFER 

The heat-transfer rate to the stagnation 
point of a sphere in equilibrium air (Ref. 
4) has been computed with Fay-Riddel1 theory 
(Ref. 7) by Lewis and Burgess (Ref. 8) as 
follows: 

q "/^ = K (^ (x, 

0.1 0.4 

(Ho - V 
VPo/Pay 

0.25 

Where 

q = heat-transfer rate in Btu/ft -sec 
r_ = nose radius in in. 

'^ -3 K = 7.55274 x 10 "* 

p/pg^ = density in amagats 

P/P, a 
H 

pressure in atm 
2   2 enthalpy in ft /sec 

\i =  coefficient of viscosity 

w denotes conditions at the wall (here 
assumed T^ = 300°K), o denotes stagnation 
conditions behind a normal shock, and the 
conditions at one atmosphere pressure and 
273.15°K are a.  The viscosity coefficient 
at high temperature was obtained from Han- 
sen's data (Ref. 9).  In the present example, 
the Lewis number was taken to be unity.  The 
results of this calculation are shown in Fig. 
6. For correlation, Z at 0.1 atm is also 
shown in the figure.  The variation in heat- 
transfer rate is easily correlated with the 
effects of oxygen dissociation (Z ~ 1.21), 
dissociation of nitrogen (1.21 < Z 1 2), and 
the first ionization of atomic oxygen and 
nitrogen (2 < Z < 4). 

It is worth noting that the maximum errors 
in the thermodynamic surface fits for the 
range of conditions in this example (0.1 < 

10, 2000 ^ T^ < 15,000OK) were P /p < 

P^ H/R 

Error (percent)  2.24 2.42  1.96  0.751 

Some of these results were published in 
Ref. 10 where a comparison of the Fay and 
Riddell theory using these data with the 
more recent theory of Fay and Kemp (Ref. 11) 
was given. 

Fig. 6 Stagnation Heat-Transfer Rate in 
Air (Le = 1), T^ = 300°K • 
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SUPERSONIC AND HYPERSONIC FLOWS: 
VISCOUS INTERACTION AND LOW DENSITY 

The VKF wind tunnels, in view of their wide Moch-Reyno/rfs number range, are particularly well suited 

to experimental investigations of hypersonic viscous interaction. In terms of the hypersonic viscous param- 

eter M„ V'^I^/ V Re„, L f on ^/ifch the viscous drag depends), the range covered in the experiments 

here mentioned was from°0.02 to 0.4 and drag levels as high as U times the inviscid drag were measured on 

slender cones. Simple flow models were developed to predict analytically viscous interaction effects. Gen- 

eralized correlations of cone stability were also obtained and were found, to the first order, independent of 

the viscous effects. 
At the lowest Reynolds numbers, these and other investigations were carried out in the low-density, 

Uach 10 tunnel. For example, extensive measurements of sphere drag were moJe over regimes extending 

from continuum to near-free-molecular, and a first-collision drag analysis was developed. 

Of the other research, boundary-layer transition studies are here mentioned. 

HYPERSONIC AERODYNAMICS OF BLUNT,  SLENDER CONES 

By 

J. D. Whitfield 

The aerodynamic of blunt, slender cones 
have been the subject of rather extensive 
theoretical and experimental research in 
the VKF dxiring the past two years.  Although 
this research was directed toward a more 
complete understanding of viscous effects 
on slender cones, the complexity of the 
problem demanded a rather detailed study 
of the inviscid and viscous effects as well 
as of the phenomena of interactions between 
inviscid and viscous flow fields. 

The theoretical and experimental studies 
for slender cones included:  (1) pressure 
distributions, (2) heat-transfer distribu- 
tions, (3) static stability, and (4) zero- 
lift, viscous drag effects.  The basic 
reference model selected for the experimen- 
tal studies was a 9-deg half-vertex angle, 
spherically blunted cone with a nose to base 
radius ratio of 0.3.  This model was selec- 
ted because of the availability of charac- 
teristic solutions (see page 6).  Other 
cone models were included to study the re- 
lative influences of cone angle and nose 
bluntness. 

PRESSURE DISTRIBDTIONS 

Zero-lift shock shapes and pressure 
distributions from the present studies were 
published by Lewis (Ref. 1) and were later 
corrected for source flow effects, for the 
sharper cone case, by Whitfield and Norfleet 
(Ref. 2). Lewis presented a correlation of 
the shock shape and pressure data in terms 
of parameters suggested by Cheng.  Cheng's 
pressure parameter assumed Pw » Pco- A 
more general correlation could be obtained 
by using the pressure coefficient, Cg, and 
thus accounting for the free-stream static 
pressure level relative to the cone pressure 
level.  Such a correlation was obtained by 
Griffith and Lewis (Ref. 3) and is shown in 
Fig. 1.  It should be noted that this corre- 
lation covers a Mach number range from 10 to 
20, with a variety of nose angles and nose 
bluntness ratios included.  Experimentally, 
the limits of the correlation have not been 
established; however, it is apparent that 
the range of correlation is quite extensive. 
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Fig. 1 Correlation of Zero-Lift Cone 
Pressures, M = 10 to 20 

The pressure distribution data are essen- 
tially inviscid since a Reynolds number de- 
pendence was not found in the experiments. 
This conclusion is supported by theoretical 
considerations (Ref. 4) which indicate only 
second-order viscous effects on pressure 
distribution. 

HEAT-TRANSFER DISTRIBUTIONS 

Zero-lift heat-transfer data have also 
been correlated over a wide range of Mach 
numbers, cone angles, and nose bluntness 
ratios using a modification of parameters 
proposed by Cheng.' The improvement obtained 
by the modifications employed by Griffith 
and Lewis (Ref. 3) is evident from a com- 
parison of Figs. 2a and b, in which Lees' 
theoretical solutions are shown in terms of 
Cheng's original parameters (Fig. 2a) and 
the modified parameter (Fig. 2b).  The 
marked improvement is apparent.  Inspection 
of the ordinate parameter will reveal that 
©c ^°-  Cheng's original parameter has been 
replaced by 

e 
y^J   Cr 

Thus, the modified pressure distribution and 
heat-transfer parameters are directly ana- 
logous since they simply account for the 
fact that the free-stream static pressure is 
not always negligible with respect to the 
local cone pressure.  It should be noted 
that Cheng's theory, from which his pro- 
posed parameters evolved, required M^—*-», 
so that the condition that p^ » p^ would 
have to be satisfied. 

The VKF hotshot and Cornell Aeronautical 
Laboratory (CAL) shock tunnel heat-transfer 
data from blunt, slender cones are compared 

a. Cheng's Correlation Parameter 

b.  A Modified Cheng Correlation Parameter 

Fig. 2 Correlation of Theoretical Heat 
Transfer Rates to Blunted Cones Based on 
Lees' Heat Transfer Distribution (from 
Ref. 3) 

to the theoretical estimates in terms of the 
modified Cheng heat-transfer parameter in 
Fig. 3 for spherical nose cones.  Griffith 
and Lewis (Ref. 3) have also obtained a 
similar correlation for flat-nose cones. 
The theoretical estimates based on Lees' 
theory were obtained using a normal shock 
theoretical model, i.e., all conditions at 
the outer edge of the boundary layer were 
estimated assuming the fluid had passed 
through a normal shock wave and then ex- 
panded, isentropically, to local pressure 
conditions.  The good agreement between 
Lees' theory and the sharper 6.34- and 9-deg 
cones must be considered, at present, for- 
tuitous.  Certainly, the normal shock 
approximation used in calculating the local 
flow properties over the cone should '^e in- 
valid for the sharper cones.  This "fortui- 
tous" situation will also be seen to exist 
for the sharp cone drag data.  The influence 
of flow field vorticity is the subject of 
continuing studies and is far from clear at 
present. 

18 



AERODYNAMICS 

Fig, 3 Comparison of Theoretical and Ex- 
perimental Heat Transfer Rates to Spheri- 
cally Blunted Cones 

INVISCID STATIC STABILITY 

The pressure distributions, as previously 
noted, were found, experimentally and theo- 
retically, to be essentially inviscid; thus, 
it follows that the static stability would 
be affected also to only second-order by 
viscous effects.  Measurements of the static 
stability (i.e., normal force and pitching 
moments) over a range of Reynolds numbers 
verified this expectation; hence, essential- 
ly inviscid results are included here. 

Correlations of the measured normal-force 
and pitching-moraent coefficients from a large 
number of blunt, slender cones were obtained 
by Whitfield and Wolny (Ref. 5) using simple 
Newtonian theory to illustrate the paramet- 
ric relationships.  The correlated data for 
normal-force and pitching-moment coeffi- 
cients are shown in Figs. 4 and 5, respec- 
tively.  Included here are measurements from 
ten blunt cones tested in the VKF (Mach 8 to 
20) and from three sharp cones tested at 
NASA.  The Mach number "independence" of 
these essentially inviscid, perfect gas, 
hypersonic, static stability data is clearly 
evident. 
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19 



AERODYNAMICS 

ZERO-LIFT VISCOUS DRAG EFFECTS 

The often dominate role of viscous 
effects on the drag of slender bodies at 
hypersonic speeds is now widely recognized 
and has been the subject of many theoretical 
and experimental studies.  The phenomena of 
interactions between inviscid and viscous 
flow fields complicate both theoretical and 
experimental studies of visous effects at 
hypersonic speeds.  The present research, 
conducted on simple, yet interesting, body 
shapes, was undertaken to aid in the clari- 
fication of these viscous interaction 
effects.  Recent results of these viscous 
drag studies have been reported by Whitfield 
and Griffith (Ref. 4). 

The similar solutions and integral method 
of Cohen and Reshotko were used to obtain 
theoretical estimates of the Blasius-type 
shear drag (see page 11), and the work of 
Probstein was used to obtain theoretical 
estimates of the displacement-induced pres- 
sure drag, displacement-induced friction 
drag, and the transverse-curvature-induced 
friction drag.  All of the theoretical 
estimates were found, for a similar case 
(i.e., measurements for a given geometry in 
a given wind-tunnel), to be a function of 
the viscous parameter, 
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viscosity coefficient.  In general, it is 
found for the cold-wall case that the dis- 
placement-induced pressure and friction 
terms are small compared to the Blasius 
friction drag and the transverse-curvature- 
induced friction drag.  For the hot-wall 
case, the displacement-induced friction and 
the transverse-curvature-induced friction 
terms become comparable.  It should be noted 
here that the theoretical solutions were, 
in general, based on the normal shock 
theoretical model previously described under 
the heat-transfer section.  This theoretical 
model, in spite of the obvious mismatch, was 
found to give a reasonable engineering 
approximation for all of the continuum cold- 
wall data. 

Results from the theoretical solutions 
and the experimental cold-wall drag data 
are summarized in Fig. 6.  The agreement 
between theory and experiment for v^ < 0.15 
is apparent.  It is interesting to note from 
these data that the low-density, v„ >0.2, 
drag coefficients are essentially indepen- 
dent of the specific body shape.  In fact, 
these data indicate in the low-density 
regime a stronger dependence on wall tem- 
perature than on body shape.  This may be 
noted from comparison of the AEDC-VKF Low- 
Density Hypersonic Tunnel data (T^/Tg ~ 
0.25) and the AEDC-VKF hotshot data (T^/TQ 
~ 0.1). 
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RESEARCH ON LOW-DENSITY,  HYPERSONIC FLOW 

By 

J. L Potter 

Since 1960, considerable effort has been 
devoted to experimental and theoretical 
studies of low-density, hypersonic flows in 
the VKF.  Much of the experimental work is 
being carried out with the wind tunnel 
(Refs. 1 and 2) described on page 61; here, 
account is given of a number of aerodynamic 
studies. 

THERMOMOLECULAR FLOW IN TUBES 

This phenomenon has received relatively 
little attention in aeronautics.  It may 
become important in such tasks as the meas- 
urement of very low pressures by means of 
a typical setup whereby the orifice at the 
point where knowledge of the pressure is 
desired is connected to the measuring in- 
strument by a tube of small diameter.  If 
Knudsen number is sufficiently large and 
there is an appreciable temperature gradient 
along the tube, the condition of zero mass 
flux along the tube does not correspond to 
equality of pressure along the tube.  Thus, 
the measurement is in error.  The most re- 
cent research on this subject has been re- 
ported by Arney and Bailey (Refs. 3 and 4), 
A typical example of the results of their 
investigation is given in Fig. 1. 

Figure 1 represents a case where pressure 
at the cold end of a tube is three-fourths 
the pressure at the hot end when the Knudsen 
number is 10 and the temperatures differ by 
a factor of 1,955.  In the course of these 
experiments, four weeks' time was allowed 
for outgassing the apparatus which was 
maintained under vacuum at elevated temper- 
ature during this period.  Approximately 
±5 percent scatter is indicated by the data 
at higher Knudsen numbers, but it is note- 
worthy that this experimental scatter cor- 
responds to only about ±0.5 micron Hg. 
Based on data such as these, charts for use 
in estimating the thermomolecular flow cor- 
rection have been prepared (Ref. 4). 

Fig. 1 Thermo-Molecular Flow Effect in 
Tubes (The symbols p and T represent 
pressure and temperature, respectively. 
Subscript c denotes cold end of the 
tube, and h denotes hot end.) 

IMPACT-PRESSURE PROBES 

The behavior of impact-pressure probes 
at low Reynolds numbers remains a subject 
for study, although much has been revealed 
by the research of earlier investigators. 
The high stagnation temperatures of Tunnel 
L in connection with the study of impact- 
pressure probes has led »to the discovery of 
the variation in impact pressure illustrated 
by Fig. 2 (cf Ref. 5).  It has been found 
that a correlation of the type shown in 
Fig, 3 is effective in establishing condi- 
tions under which a "small-orifice" effect 
is manifest. 

Probe £T 

^ 
Diam, 
in. t'O) 

9 
2600 I          '          ' 

3 

2400 

2200 
-cr- 

■           i 

~"^S~~-Ck 0.375 18.1 
' . ^—■ -——^-- ^ 

a. 

E 2300 

1—^ —, ^ ^— 

0--T—^ 
0.500 24.2 1 

3 

1 2100 >^ !                              ! 
0 ) 0.2      0.4      0.6 0.8      1 

Orifice Diameter 
Probe Diameter 

Fig. 2 Variation of Measured Impact Pres- 
sure with Orifice-to-Pi'obe Diameter Ratio 
(Nitrogen Gas, Reservoir Temperature 
T  = 5500°R, M = 10.5, T ,/T„ -   0.19 

Fig. 3 Correlation of Data on Orifice In- 
fluence (Kn 2,r is a Knudsen number based 
on conditions immediately downstream of a 
Hugoniot shock and probe orifice radius.) 
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The results of testing a flat-faced, 
cold-walled probe in argon (Ref. 6) are 
shown in Fig. 4.  This particular example 
is presented because it demonstrates the 
often questioned decrease of impact pressure 
in the intermediate range of Reynolds num- 
bers. 

HEAT TRANSFER TO HEMISPHERICAL NOSES 

Total heating rates of various blunt- 
nosed shapes have been measured in Tunnel L 
(Ref. 7).  Total heat flux (Btu/sec) to the 
entire nose was measured and converted to 
average heat-transfer rate per unit area by 
dividing the total heat flux by the wetted 
area of the nose. Results for the hemi- 
spherical shape are shown in Fig. 5.  The 
data in Fig, 5 are normalized by dividing 
the measured rates by those calculated from 
a theory for flows corresponding to higher 
Reynolds numbers.  In the calculation, the 
theory of Fay and Riddell (Ref, 8) was used 
to obtain heating rate at the stagnation 
point, and the theory of Lees (Ref. 9) was 
used to obtain the distribution of heating 
rates around the hemisphere.  The data in 
Fig. 5 clearly show the effects of reduced 
Reynolds numbers. 

The results of three theories (Refs. 10, 
11, and 12) applicable for low Reynolds num- 

Fig. 5 Heat-Transfer Rates to Hemispherical 
Noses at Low Reynolds Numbers and Hyper- 
sonic Speeds (q = Btu/ft2-sec, Reo = U p R/n 
Where U = free-stream velocity, a    = free- 

00 •' '  ' 00 

stream density, R = hemisphere radius, and 
(j.^ = viscosity corresponding to total en- 
thalpy; e = density ratio across normal 
shock, subscript BL indicates value calcu- 
lated by theory of Fay and Riddell.) 

bers are shown in Fig. 5 for comparison. 
Qualitative agreement is evident, but some 
difference in actual values exists.  It 
should be noted that the theories only yield 
the stagnation-point heating rate.  Lees' 
distribution was assumed in converting these 
theoretical, stagnation-point values to 
average values.  Thus, the comparison is 
possibly slightly qualitative for that rea- 
son.  There are data for low Reynolds num- 
bers showing Lees' distribution to be close 
to the experimental (Ref. 13). 

DRAG OF CONICAL BODIES 

Both sharp- and blunt-nosed cones have 
been tested to determine drag under low- 
density conditions.  A water-cooled, sting- 
type balance capable of resolving drag 
forces on the order of 0.001 lb was used. 
The marked effects of combined low Reynolds 
number and high Mach number are illustrated 
by the data presented in Fig. 6.  It may be 
seen there that the drag coefficient at 
Moo//Re^ - 0.3 is roughly three times the 
value when M„//Re^-   0 for the more bluff 
body and 12 times greater for the more 
slender body.  For a 15-ft body at orbital 
velocity, this condition of M^X/ Re„ - 0.3 
would exist at approximately a 300,000-ft 
altitude.  More slender bodies, such as 
delta wings, tested in Tunnel L have yielded 
drag coefficients nearly twenty times great- 
er than their essentially inviscid values. 
A photograph of a typical model being tested 
at a finite angle of attack in Tunnel L is 
shown in Fig. 7. 

DRAG OF SPHERES 

Through use of the low-density, hypersonic 
wind tunnel of the von Kdrmin Gas Dynamics 
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Fig. 7 Blunt Cone on Drag Balance in 
Tunnel L 

Facility, drag of spheres has been measured 
under hypersonic, cold-wall support-free 
conditions in a nonreacting flow in which 
molecular vibration was frozen (Ref. 14). 
Data were obtained for a nominal free-stream 
Mach number of 11 and for Reynolds numbers 
from 1 to 10 based on conditions immediately 
downstream of the normal shock and sphere 
diameter. Figure 8 is a photograph of the 
track of a small sphere falling through the 
test section of Tunnel L and being deflected 
by the drag force, which was calculated by 
knowledge of the mass of the sphere, time 
interval, and distance between the bright 
Images on the photo.  These data were sup- 
plemented by measurements at a nominal Mach 
number of 10 where a conventional balance 
was used, and Reynolds numbers downstream 
of the shock as high as lO'* were investigated 
in the cold-wall condition. 

Fig. 8 Typical Trajectory of Sphere during 
Free Flight through Test Section 

The experimental results have been ana- 
lyzed both from the point of view of con- 
tinuum flow with second-order viscous effects 
and from the standpoint of a noncontinuum 
concept, taking account of first collisions 
between re-emitted and free-stream molecules. 
In the former case, a drag coefficient repre- 
sentation of the form 

Cjj = Cjj        + Ki/s/ Reg + Kg/Rea 
inviscid 

was shown to fit the data very closely when 
Kj and Kg are allowed to be functions of 
free-stream Mach number and wall-to-total 
enthalpy ratio.  In all cases. Kg was found 
to be negative in sign. 

The new first-collision analysis is 
nimerically indeterminate because of the 
lack of a method for explicit calculation 
of mean free path in polyatomic gases with 
consideration of intermolecular forces. 
However, the form of the derived equation 
for drag coefficient appears to fit the 
experimental data over a considerable range 
of Knudsen numbers if a free constant is 
used in the expression for mean free path. 
It is considered that this constant is in- 
fluenced by the type of intermolecular and 
gas-solid interactions occurring. A fully 
accommodated, diffusely reflected type of 
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Fig. 9 Drag of Spheres at Low Reynolds Num- 
bers and Hypersonic Speeds (Re2 is Reynolds 
number based on conditions immediately down- 
stream of normal shock and sphere diameter, 
assuming a Hugoniot shock.) 

surface interaction was assumed in the 
analysis. 

Figure 9 shows a part of the results of 
this research. 

SHOCK WAVES IN ARGON 

Fig. 10 A Comparison of Theoretical and 
Experimental Shock Detachment Distances for 
Hemispheres (A is the detachment distance 
or shock-layer thickness.  Re2 is a Reyn- 
olds number based on conditions immediately 
downstream, of•a normal shock wave and hemi- 
sphere diameter, assuming a Hugoniot shock.) 

An experimental investigation has been 
made to determine the pressure distribution, 
shock shape, detachment distance, and wave 
thickness for spheres, and the latter three 
characteristics for flat-faced bodies in 
heated argon where Mach number was from 4 
to 14, stagnation temperature was from 1900 
to 4100°K, and Reynolds number downstream 
of the normal shock waves was 25 to 225 
based on radius (Ref. 15). The purposes of 
this investigation were to determine the 
validity of the various theories available 
for predicting the above properties in the 
low-density flow regime and to extend avail- 
able data to lower Reynolds numbers. 

When argon is used as the working gas, 
at the nozzle exit and some distance down- 
stream there is a clearly visible, light- 
blue jet surrounded in most cases by a pink 
glow. A survey of the nozzle flow with an 
impact-pressure probe showed that this light- 
blue region corresponded to the core of high- 
speed flow.  This natural glow, thought to 
be caused by radiation from relaxing meta- 
stable argon atoms, enabled this study of 
the shock properties in front of spheres 
and flat-faced bodies to be made by simply 
photographing the flow field, wherein the 
brightness was proportional to the number 
density of radiating atoms. 

Photographs of the shocks generated by 
the spheres and flat-faced bodies were ana- 
lyzed with a photo-densitometer to determine 
the shock shape, detachment distance, and 
wave thickness. A study of the variation 
of film density upstream, downstream, and 
through the shock wave indicated that the 
assumption that the film density was pro- 
portional to the flow density was justified. 

in Fig. 10 the results of the measurement 
of shock detachment distance for spheres at 

different wall-to-stagnation temperature 
ratios is shown.  It will be noted that the 
shock detachment distance is a function of 
Mach number, Reynolds number, wall tempera- 
ture, and body shape.  A study of the magni- 
tude of the shock-wave and boundary-layer 
thicknesses indicates that in the present 
tests these layers are incipiently or fully 
merged. As the Reynolds number decreases, 
the shock detachment distance increases to 
values more than double the "inviscid" val- 
ues. Also, for the bodies where the wall- 
to-stagnation temperature ratio is 0.1, 
there is evidence to confirm the decrease 
in shock detachment distance to a value less 
than the inviscid value, as predicted by 
Ho and Probstein (Ref, 16), before the in- 
crease as mentioned above for the lowest 
Reynolds number. 
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RESEARCH ON BOUNDARY-UYER TRANSITION 

By 

J. L, Potter and J, D, Whitfleld 

The study of transition from laminar to 
turbulent flow in boundary layers has been 
directed toward understanding the roles of 
several factors which affect the location 
of transition.  Corresponding reactions of 
certain aerodjmamic quantities which are 
sensitive to the location of transition 
also have been investigated, the most im- 
portant one of these being base pressvire 
(Refs. 1-4). 

Recognizing that unit Reynolds number 
(Ref. 5) often plays a prominent role in 
fixing the location of transition, cer- 
tainly in most wind tunnels and apparently 
in at least some free-flight cases,, an ef- 
fort was made to demonstrate the importance 
of considering that factor.  The results 
obtained showed the effect of transition 
location and its response to varying unit 
Reynolds number in measurements of tran- 
sition-sensitive quantities as well as in 
studies of transition alone. For an ex- 
ample of this, refer to Fig. 1, where it 
may be seen that a class of base pressures 
is correlated by simply considering the 

relative location of transition. The class 
of base flows referred to is characterized 
by transition occurring in the wake between 
the base of the body and closure of the 
wake downstream. Following are brief sum- 
maries of studies of some major problems 
in the field of boundary-layer transition. 

THE TRANSITION PROCESS 

A hot-wire anemometer was used to sur- 
vey laminar, transitional, and the initial 
part of fully tvirbulent boundary layers on 
hollow cylinders having their major axes 
parallel with the free-stream direction. 
Care was taken to ensure that the bow shock 
wave was swallowed. Thus, since cylinder 
radius was sufficiently greater than bound- 
ary layer thickness, the hollow cylinders 
were effectively equivalent to flat plates. 
Figure 2 shows the models and some of the 
boundary-layer probes. 

Relatively early in the use of the hot- 
wire anemometer to detect transition, it 
became apparent that the transition region 
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Fig. 1  Correlation of Base Pressure Data 
with the Relative Location of Transition 

was not characterized by a sudden and vio- 
lent onset of fluctuations but was rather 
an orderly, developing process which ap- 
peared to originate at or near the leading 
edge. The hot-wire was used to survey the 
entire boundary-layer flow field. Most of 
these surveys were taken with a wire op- 
erated at a constant current. These data 
are presented here in terms of isoline dia- 
grams of constant hot-wire output, e^, 
which is the mean-square signal from the 
hot-wire equipment. An electronic squaring 
circuit developed by Kovasznay was used to 
obtain this mean signal. The "noise" noted 
in the figures refers to the electronic 
noise of the hot-wire equipment. The loca- 
tions shown for the noise level correspond 
to the condition where the hot-wire signal 
and electronic noise were approximately 
equal. 

Figure 3 shows an example survey. A 
salient feature is the relatively intense 
stratification of fluctuations observed in 
the laminar region and the early portion 
of the transition region. The existence 
of this critical layer, which is indicated 
by stability theory, is well known in re- 
gard to incompressible flow from the work 
of Schubauer and Skramstad and has been ob- 
served in supersonic flow by Laufer and 
Vrebalovich, and Demetriades. However, 
these earlier experiments were concerned 
with studies of laminar instability, so 
none of these data enabled comparison of 
the magnitude of fluctuations in the laminar 
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Fig. 2 Models and Boundary-Layer Probes, 
AEDC-VKF Studies 
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Fig. 3 Hot-Wire Output near Leading Edge 
for b = 0.003 in. and M = 5 (b = thick- 

00 

ness of leading edge, y = height above 
surface, x = distance from leading edge) 

region and those in the transition region. 
The fact that these disturbances are of the 
same order creates a source of error in the 
determination of a transition "point" from 
hot-wire traverses at heights above the 
surface, since a different point might be 
indicated for each different height of the 
probe above the surface. 
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Fig. 4 Comparison of Methods of Tran- 
sition Detection for M = 5 

It was shown that a maximum hot-wire 
output for y-»-0 can be located with rea- 
sonable precision (Ref. 6).  The measure- 
ment of surface temperature distributions 
on the same model revealed that this maxi- 
mum hot-wire signal near the siirface cor- 
responded to the maximum surface tempera- 
ture.  Comparisons of various methods of 
detection are shown in Fig. 4.  It may be 
observed that the similarity between the 
maximum hot-wire signal and the maximum 
surface temperature extends into the fully 
developed turbulent region where the hot- 
wire signal and the surface temperature be- 
come substantially constant. The same gen- 
eral relation exists between all the vari- 
ous methods of transition detection. 

An interesting result of the study of 
the critical layer for various unit Reyn- 
olds numbers, leading-edge thicknesses, 
and Mach numbers is that the height of the 
critical layer can be represented reason- 
ably well in terms of boundary-layer thick- 
nesses and Mach number, i.e., 

y^/6 = f(M^) 

This relationship is shown in Fig. 5, where 
the present data are compared with subsonic 

data from Klebanoff and Tidstrom and the 
data from Laufer and Vrebalovich, and 
Demetriades. 

Laufer and Vrebalovich suggested that 
free-stream turbulence, acting as a forcing 
function, causes an interaction between the 
shock wave and the boundary layer, and this 
in turn produces disturbances in the bound- 
ary layer.  Having determined that the dis- 
turbances and their distribution in the 
boundary layer are not peculiar to very 
sharp leading edges or caused by separation 
at the leading edge, the present study in- 
directly supports their hypothesis. 

INFLUENCE OF SLIGHT 
LEADING-EDGE BLUNTNESS 

In earlier papers (Refs. 6 and 7), the 
authors presented discussions of the in- 
fluence of bluntness, including extensive 
experimental data for a Mach niimber of ap- 
proximately three.  Perhaps it is desirable 
to attempt to define the term "slight blunt- 
ness." For present purposes it is believed 
sufficient to stipulate that thickness of 
the leading edge, b, and the wetted length 
from the stagnation point to the beginning 
of transition, xt, are related such that 
xt » b or xt/b > 100. All the data con- 
sidered in Refs. 6 and 7 correspond to 
x^/b = 0(1000). 

27 



AERODYNAMICS 

The importance of slight leading-edge 
bluntness in connection with transition 
location, which had been suggested earlier, 
was fiirther verified in Refs. 6 and 7, 
where it was shown that changing the thick- 
ness of the leading edge from 0.0015 to 
0.0030 in. could result in the Reynolds 
number of transition increasing by 355,000, 
or more than twenty percent in a typical 
case.  Additional data on this subject have 
been obtained with a Mach number of eight 
and will soon be published. The models on 
which these effects were noted were either 
flat plates or hollow cylinders, both par- 
allel to the flow direction. 

INFLUENCE OF SURFACE ROUGHNESS 

Investigation of the influence of sur- 
face roughness was initially undertaken 
with the study of published experimental 
data.  One of the present authors (Ref. 8) 
derived a correlation of available data on 
the basis of the Pohlhausen boundary-layer 
profile parameter after the manner of 
Taylor's early analysis of the effect of 
stream turbulence on transition. Only sin- 
gle, two-dimensional elements on a flat 
plate in low-speed flow were considered. 

Later, experimental studies of roughness 
influences at supersonic speeds were under- 
taken, and the effort to obtain a method 
for predicting the influence of roughness 
was extended to compressible flows.  Two 
parameters, one representing effectiveness 
of roughness and the other representing 
relative movement of transition, have been 
proposed for flows with no pressure gradi- 
ents (Refs. 6 and 7).  It was shown that 
the former purpose is served by Re/, where 

These parameters are for cases where 

^< = ««k(Tk/Tw) 
0.5+CD 

and 
Re- = Reynolds number based on height of 

roughness element and flow condi- 
tions at that point in the undis- 
turbed boundary layer 

T.  = static temperature at height and 
station of roughness in undisturbed 
flow 

T  = wall temperature of body (const.) 

CD  = exponent in viscosity-temperature 
relation, p, ~ T'" 

The position parameter was given in Ref. 7 
as 

■^V^to - (^^k/^> ^V^to 
where 

X.  = wetted distance along surface from 
stagnation point to transition 

X,  = as above, except with no roughness 

e  = Re, where x. = x, 

X.  = length from stagnation point to 
location of roughness 

"^^ ^t - ^to 
Figure 6 shows a large collection of 

data presented in the form of the param- 
eters defined in Ref. 7. Considering the 
fact that variable factors of unknown sig- 
nificance, aside from roughness, were pres- 
ent in the different experiments represented 
in Fig. 6, the correlation is about as good 
as one night reasonably expect in dealing 
with transition data. 

Data included in Tig. 6 all apply to 
bodies with walls at or near adiabatic re- 
covery temperature.  In view of the strong 
dependence of Rejj on wall temperature, it 
is particularly interesting to investigate 
situations where Rejj was varied by changing 
wall temperature alone.  It has been shown 
that cases involving heat transfer are also 
correlated by the parameters derived from 
analysis of data for zero heat transfer 
(Ref. 7). Thus, it is possible to evaluate 
the effect of heat transfer on transition 
due to roughness, and that enables investi- 
gation of the transition reversal phenome- 
non. The experimentally demonstrated rise 
and subsequent fall of Re-^ with decreasing 
T^ is well known.  Some have argued that 
the increased effectiveness of roughness 
due to wall cooling was not sufficient to 
explain transition reversal on nominally 
smooth bodies.  However, in Ref. 9 it is 
shown that roughness in conjunction with 
wall cooling can cause transition reversal. 

Although the procedure devised for esti- 
mating the location of transition is appli- 
cable to subsonic and supersonic flows with 
and without heat transfer, it is not in- 
tended for or tested in situations where 
pressure gradients exist. Therefore, it is 
of interest to note that, when used in a 
few cases for estimates of roughness neces- 
sary to achieve transition on models such 
as blunt, conical shapes, it gave good re- 
sults; however, further research is required 
to establish the range of its applicability. 
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AERODYNAMIC CONTROLS 

The two basic types of aerodynamic controls which are employed with high-speed vehicles are the 

so-called conventional aerodynamic controls and the reaction jet controls. 

The former, usually in the form of deflectable surfaces, may have to operate in complex flow fields. 

This is due to the presence of blunt leading edges which are required to alleviate the aerodynamic heat- 

ing and which introduce targe entropy gradients, and to the existence of relatively thick boundary layers. 

Special methods are therefore required to predict the effectiveness of control surfaces in these environ- 

ments. 

In the present age of suborbital and re-entry glide vehicles, a reaction jet system for controlling the 

vehicle attitude and trajectory is being used because aerodynamic controls of the conventional type, sudi as 

fins, ailerons, rudders, etc., are ineffective at the low dynamic pressures encountered. The reaction jet 

system can also be used at the lower altitudes where conventional controls are used, and in this environ- 

ment additional gains are possible because of the favorable interaction with the invtscid and boundary- 

layer flow field of the vehicle. 

Some aspects of these problems of aerodynamic control, have been studied at the VKF, as outlined 

in the next two contributions. 

ON CONTROL SURFACES SUBMERGED IN THICK BOUNDARY LAYERS 

By 

J.  D. Gray 

A number of experimental test programs 
which have been conducted in the VKF were 
concerned with the change in forces on 
aerodynamic surfaces completely submerged 
in a turbulent boundary layer. The objec- 
tive of these tests was to simulate the 
effects of spanwise entropy variations over 
control fins for re-entry guidance.  In 
order to contribute to an improved aware- 
ness of the governing factors which account 

for the loss in control surface effective- 
ness, a strip-type analysis of the problem 
was made (Ref. 1).  For simplicity, it was 
assumed that the boundary-layer Mach num- 
ber profile varies in an exponential manner, 
and that the local normal-force curve slope, 
CHQ, is a linear function of Mach number, M, 
at subsonic speeds varying between a© at 
M = 0 and ai at M = 1.  In the supersonic 
range, '.na was assumed to be a function of 
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M  and to have a value of ai at M = 1. 
Based upon these assumptions a general in- 
tegral expression for the total normal- 
force curve slope (CN^) is given by 

00  C 

AM2 J 

M^xdy + ^^ " ^° I  M^xdy 

M  xdy + xdy 

where: 

A = reference area 

ao = local normal-force curve slope at 
M = 0 

ax  = local normal-force ciirve slope  at 
M =   1 

h = span of surface 

K = exponent describing variation of 
local normal-force curve slope with 
Mach number 

M = local Mach number 

M = Mach number at y = 6 
CO 

X = local chord 

y = height 

6 = height where M = M 
" CO 

6* = height where M = 1 

This equation was applied to several 
planforms tested in the VKF, and typical 
results for one Mach number are shown in 
Fig. 1 in terms of a ratio of Cjj^ relative 

to that for the fin in uniform flow. The 
analysis is shown to effectively account 
for both planforra variations and relative 
submersion of the planforra in turbulent 
boundary layers at M„ ~  2.5.  Tests at Mach 
numbers from 1.5 through 3.5 have confirmed 
the applicability of the analysis, but it 
is necessary to determine the influence of 
Mach number on the section characteristics 
(CHQ) in uniform flow to properly choose 
the value of parameter, K. 
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Fig. 1 Comparison of Theory and Experiment 
for Control Surfaces Submerged in a Turbu- 
lent Boundary at Mach 2.5 

INTERACTIONS PRODUCED BY SONIC LATERAL JETS 
LOCATED ON SURFACES IN A SUPERSONIC STREAM 

By 

W. T. Strike and C. J. Schueler 

At this time, vehicles such as the X-15 
and the more advanced X-20 Dyna-Soar are 
designed with movable, conventional, aero- 
dynamic control surfaces (ailerons, rudders, 
etc.) and reaction control jets. When 
these vehicles are flown within the corridor 
of continuous flight and the reaction jets 
are used for control, an interaction of the 
jet flow with the free stream and boundary- 
layer flow is produced. This interaction 

creates forces significantly larger than 
would be obtained from only the jet reac- 
tion. The VKF studies were directed to- 
ward the experimental determination and 
analytical prediction of the interaction 
loadings. 

A graphical illustration of the flow 
field and the interaction loading produced 
by a lateral jet from a surface in a super- 
sonic stream in presented in Fig. 1. This 
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Fig. 1 Lateral Jet Interaction in 
Supersonic Stream 

interpretation of the flow field is based 
in part on pictorial results similar to 
those in Fig. 2. The net interaction load- 
ing (FN^) when added to the reaction force 
of the jet (Fj) constitutes the total force 
produced by a control jet operating within 
the flight corridor.  In the theoretical 
analysis (Ref. 1), the interaction loading 
was assumed to be a linear combination of 
the loading produced by the interaction of 
(1) the free stream with the jet stream 
(inviscid interaction) and (2) the sepa- 
rated boundary layer upstream of the jet 
(viscous interaction). Theoretical and 
experimental results indicated that the 
ratio of the interaction loading to the jet 
reaction force (FN^/FJ) increased with the 
free-stream Mach number and a decreasing 
ratio of jet stagnation to free-stream 
static pressure (pj/p^). An example of the 

type of correlation obtained between the 
theoretical flat plate analysis and the ex- 
perimental data of the interaction force 
produced by a lateral jet from a rectangular 
and circular nozzle into a Mach 5 free 
stream is given in Fig. 3. For a given jet 
momentum, the rectangular lateral jet pro- 
duced a larger interaction loading than 
circular nozzles.  In comparison to the 
theoretical procedures of Eefs. 2 and 3, 
the present analytical method of estimating 
interaction force was in better agreement 
with the experimental results. 

The studies showed that the relative lo- 
cation of a particular nozzle configuration 
(circular, multiple circular, or rectangu- 
lar) had a strong effect on the optimum or 
maximum resultant force produced by a con- 
trol jet.  It was found that the two- 
dimensional nozzle (or slot) produced the 
maximum jet control force (Fu^ + Fj) when 
located near the trailing edge of a body. 
In the case of a circular nozzle, a large 

region of additive loading was produced 
downstream of the jet. Therefore, on a 
two-dimensional surface the nozzle should 
be positioned ahead of the trailing edge. 

C«tipre$ston Wave 
Resulting from 
Separated Flow 

S«jaratsd 
Boundary Ijyer 

Model Bow 
Wave 

ICompresslort Wave Resulting 
Vertical |''''>''Sepa''''edFtaron Surface 
p,!,,     IContinlng Nozzle Block 

Model 
Bow Wave 

Model 
Surface 

Origin of Side Plate" 
Compression Wai^e 

Niodei Side Plate 

Fig. 2 Flow Visualization of Lateral 
Jet Interaction 

Fig. 3 Lateral Jet Effectiveness, (Rec 
tangular Nozzle) M =5.0, Re^ = 2 2 X 10^ 
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Fig. 4 Circular Jet Effectiveness on a 
Body of Revolution, M =4.0 Fig. 5 Comparison of Resultant Force Pro- 

duced by a Lateral Jet from a Circular 
Sonic Nozzle and a Slot at Various Altitudes 

For optimum performance, a single cir- 
cular nozzle on a body of revolution 
should be located near the model base, be- 
cause the loading tends to propagate to 
the lee side of the body and reduces the 
resultant jet control force. The effect 
of body curvature and the character of the 
boundary layer approaching the jet on the 
loading produced by a single circular jet 
located at the model base was theoretically 
estimated and found to be in agreement with 
the experimental data, as indicated in 
Fig. 4. Theoretically, on a planar surface 
at all jet pressure ratios, the interaction 
force resulting from laminar boundary-layer 
separation is larger, but because of the 
transverse curvature of a body of revolu- 
tion at the higher jet pressure ratios, the 
interaction force produced from turbulent 
separation becomes larger, as shown in 
Fig. 4. 

In the application of lateral jets to 
produce control forces not only above but 
within the flight corridor, a jet operating 
at a fixed jet stagnation pressure on a 
vehicle flying at the same Mach number at 
various altitudes should produce control 

forces which increase as the altitude de- 
creases in the manner shown in Fig. 5. As 
may be noted, significant interaction 
forces can be obtained at altitudes below 
about 100,000 ft for the configurations 
selected. 
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BOUNDARY-LAYER CONTROL 
AT SUPERSONIC SPEEDS 

Boundary-layer suction has been exfensively investigated as a method of boundary-layer control. The 

effect of suction is to stabilize the laminar boundary layer and thus delay the onset of transition. This 

results in less laminar friction and hence a reduction in overall drag. 

Moreover, removal of fluid from the boundary layer produces new boundary layers which are capable of 

supporting larger adverse pressure gradients. In this way, boundary-layer separations which would have 

otherwise occurred may be reduced. 
The VKF studies of laminar flow control and flow separation control by means of suction are described 

in the two following notes. 

INFLUENCE OF SUCTION ON TURBULENT BOUNDARY-LAYER SEPARATION 

By 

W. T. Strike, Jr. 

This summary pertains to some experimen- 
tal results relating to turbulent boundary- 
layer separation produced by an abrupt 
adverse pressure gradient (dp/dx > 0) gen- 
erated by an oblique shock.  A movable 
sharp wedge mounted above the tunnel floor 
(Fig. 1, page 32) was used to generate in- 
cident shocks of various strengths on the 
tunnel floor plate.  In the second phase 
of the program, a porous floor plate was 
used so that suction could be applied to 
the boundary layer in the region of the hy- 
pothetical tunnel floor shock impingement 
point (Fig. 1). 

These results were obtained over a Reyn- 
olds number range based on the boundary- 
layer thickness, Reg, of from 0.85 x 10^ 
to 11.0 X 10^ and are summarized in Fig. 2 
(page 32) along with similar results pub- 
lished in Refs. 1 and 2.  The region of 
separated boundary layer which extends up- 
stream of the hypothetical shock impinge- 
ment point will usually produce an addi- 
tional inflection in the surface pressure 
distribution generated by the oblique com- 
pression wave.  In this analysis, as was 
the case in Ref. 2, it was assumed that 
the absence of this inflection was an indi- 
cation that the boundary layer was attached 
or that the region of separation was in- 
significantly small.  Thus, the results in 
Fig. 2 represent the maximum Reynolds num- 
ber and the corresponding peak plateau 
pressure ratio achieved in the absence of 
the aforementioned inflection in the pres- 
sure distribution.  Although the boundary 
layer thickness varied from 0.1 to 2 in- 
ches, the data correlated reasonably well. 

This research was initiated and di- 
rected by P. Kutschenreuter, Flight Dy- 
namics Laboratory, ASD, AFSC, which also 
supplied the test model equipment. 

Fig. 3 Effect of Suction on the Maximum 
Reynolds Number and Pressure Ratio for 
Attached Flow 

The effectiveness of boundary-layer 
suction in delaying separation at Mach num- 
ber 3 is presented in Fig. 3 along with 
the previously experimentally defined lim- 
iting values for attached (or nearly at- 
tached) tiirbulent boundary-layer flow with- 
out suction. These suction results con- 
sisted of a set of experimentally determined 
lines of constant percentage of boundary- 
layer suction (mg/mbi) which vary in a 
manner similar to lines of constant suction 
rates. The values mg/m^jj represent the 
ratio of bleed rates (mg) to the boundary- 
layer mass flow (m^^) in the model test 
area without suction. 

It may be noted that suction ahead of 
the intersection of the oblique shock with 
a turbulent boundary layer delayed separa- 
tion.  For example, with a pressure rise to 
a level of p/p„ = 4 without suction, 
boundary-layer separation occurred at 
Reg « 0.27 X 10^, but with suction this 
same pressure ratio of 4 was achieved in 
the absence of any significant boundary- 
layer separation at Reg up to about 4 x 10^ 
with about 40 percent of the boundary layer 
removed. 
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Although not shown, larger amounts of 
suction nearly equal to the boundary-layer 
mass flow (mt,^) were required to reach the 
theoretical inviscid pressure rise when the 
suction was applied downstream and/or in 
the area of an oblique shock boundary-layer 
interaction region. 

A more detailed discussion of these re- 
sults and the method of analysis and as- 
sumptions used to obtain them are presented 
in Ref. 3.  Included in Ref. 4 are experi- 
mental and theoretical results and a dis- 
cussion of their limitations. 
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UMINAR FLOW CONTROL* 

By 

C. J. Schueler and S. R, Pate 

Following the achievement at high sub- 
sonic speeds of laminar flow at high length 
Reynolds numbers by the use of distributed 
suction, an experimental program at super- 
sonic speeds was begun by NORAIR in 1957. 
Since these early tests, in 1957-1959, all 
of the NORAIR test programs on laminar flow 
control at supersonic speeds have been con- 
ducted in the VKF. These test programs 
have been in progress from early 1959 to 
the present date and have included the 
following tests: 

1. 20-caliber ogive cylinder body of revo- 
lution, M^ = 2.5, 3, 3.5, and 4 

2. flat plate, M^ = 2.5, 3, 3.5, and 4 

3. flat plate with impinging shocks, 
M =2.5, 3, and 3.5; shock generator 
at 0 to 4 deg 

4. 36-deg swept wing with a supersonic 
leading edge, M^,, = 2.5, 3, 3.5, and 4; 
angle of attack, a = 0 and -3.25 deg 

The research described in part in this 
note is the experimental phase that was 
performed primarily under the direction of 
Dr. E. Groth, Northrop Corporation, NORAIR 
Division for the Flight Djrnamics Laboratory, 
Aeronautical Systems Division. The work 
was conceived by the NORAIR Botmdary Layer 
Research Group under the direction of 
Dr. W. Pfenninger, U.S. Air Force Contract 
AF 33(616)-3168. 

5. boundary-layer transition measurements 
on a series of wings at various spanwise 
stations; sweep angles, A = 24 to 50 deg; 
M^ = 2.5, 3, 4, and 5; a = 0 and ~-4 deg 

6, 72.5-deg swept wing with a subsonic 
leading edge; M^ = 2 and 2.25, a = 0.15, 
0.45, and 0.75 3eg 

The models were designed and constructed 
by NORAIR and had a series of slots, rang- 
ing in size from approximately 0.003 to 
0.014 in. in width, through which a portion 
of the boundary layer was removed.  In gen- 
eral, the mass of air removed by the slots 
corresponded to a layer adjacent to the 
surface having a height equal to slightly 
less than the slot width. Air removed from 
the boundary layer passed into segmented 
model compartments and to flow-metering 
valves and flowmeters.  Examples of the 
typical models that have been tested are 
shown in Fig. 1. 

The effectiveness of laminar flow con- 
trol was evaluated by measurements of the 
boundary-layer characteristics and air re- 
moval flow rates, which may be expressed 
together in terms of a total drag coeffi- 
cient, Ci>j,. For the results presented, 
the total drag coefficient is represented 
by the wake drag coefficient and the equiv- 
alent suction drag coefficient required to 
accelerate the air removed to flight speeds. 
Since the wake drag decreases and the suc- 
tion drag increases with increased suction 
rate, an optimum total drag value exists 
which is used to evaluate the net effec- 
tiveness of laminar flow control. 
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b.  Flat Plate, AEDC-VKF 40-in. Super- 
sonic Tunnel (A) 

c.  36-deg Swept Wing 

Fig. 1 Typical Models 

Fig. 2 Drag Coefficients at Station 18.8 
in., with and without Suction, Ogive Cyl- 
inder, 3.25-in. Diameter 

Typical results of suction and drag 
measurements on a 20-caliber ogive cylinder 
are presented in Fig. 2 for Mach numbers 
2.5 and 3.5.  The effectiveness of suction 
may be noted by the comparison of the Reyn- 
olds numbers where transition began moving 
forward.  For example, at Mach number 3.5, 
transition occurred at a length Reynolds 
number, Rex, of ~ 3 x 10^ with no suction, 
and with suction laminar flow was main- 
tained at Reynolds numbers up to about 
7 X 10^.  The reductions in drag that are 
possible may be noted by a comparison of 
the total drag coefficients, Corp, for no 
suction and the minimum total drag coeffi- 
cients, (Ci>p)^inj with optimum suction at 
the various Reynolds numbers.  The optimum 
total suction coefficients, Cmx, and the 
manner in which they must vary to maintain 
laminar flow with increasing Reynolds num- 
ber are also shown. 

Typical total drag coefficients, CDTT, , 
and the corresponding optimum total suction 
coefficients for a flat plate are presented 
in Fig. 3 for Mach numbers 3 and 4.  Re- 
ductions in drag amounting to about 75 per- 
cent at Moo = 3 and to 30 percent at M^o = 4 
may be noted.  Of interest is the low re- 
duction in drag obtained at Mjo = 4, which 
may be attributed to operation of the sue- • 
tion system at an off design condition. 

In actual application of laminar flow 
control to a supersonic vehicle, shock 
waves will be present in the region of the 
suction slots because of adjacent vehicle 
components.  The influence of shock im- 
pingement was investigated with a flat 
plate model which had a shock generator 
that would produce a compression wave across 
the suction slots (Fig. lb).  As is evident 
in the results shown in Fig. 4, laminar 
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Fig. 3 Drag Coefficients at Station 40.2 
in., with and without Suction, Flat Plate 

flow was maintained behind the shock for 
generator angles up to 1 deg at M^,;, = 2.5 to 
3.5 without an appreciable increase in the 
wake drag coefficient, Cp^.  Laminar flow 
could be maintained at Mco = 2.5 at shock 
generator angles up to 2 deg, and increases 
in Mach number reduced the shock strength 
at which an increase in wake drag began to 
occur. 

Location of the initial suction slots 
is critical with regard to the location of 
natural transition.  The forward suction 
slots must be located ahead of natural 
boundary-layer transition where disturb- 
ances in the laminar boundary layer have 
not amplified to a point where suction can 
no longer control their continued growth, 
which ultimately will produce transition 
to turbulent flow.  This is indicated by 
the results of tests of a 36-deg swept wing 
at M„ = 3, with the first suction slot 

Fig. 5 Minimum Total Drag Coefficients 
and Optimum Suction Coefficients on Swept 
Wing at M^ = 3, Rake at Station 37.9 in. 

1.6 in. from the leading edge. The results 
(Fig. 5) show that laminar flow could only 
be maintained up to a Reynolds number of 
about 11 X 10^. Additional slots were 
added so that the first slot was 0.78 in. 
from the leading edge, and the width was 
increased in order to promote early sta- 
bility of the boundary layer. With this 
modification, low drag was achieved at 
Reynolds numbers up to 25 x 10^.  Pitching 
the wing to a -3.25-deg angle of attack (a) 
increased the total drag because of the 
increased suction required to maintain lam- 
inar flow. 

To obtain basic data on the manner in 
which transition varies with sweep angle, 
A, tests were conducted on a series of 
swept wings where beginning of transition 
locations were measured at Mach numbers 
2.5, 3, 4, and 5.  These results are shown 
in Fig. 6 at Moo = 3 with a theoretical es- 
timate of the variation with sweep angle. 

Fig. 4 Change in Wake Drag Coefficient 
with Shock Generator Angle 

Fig. 6 Variation of Transition with Sweep 
at M =3, Re/in. = 0.80 x 106, a = 0 
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AEDC-TDR-62-144, August 1962. 
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AEDC-TDR-63-109, July 1963. 
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There is striking similarity in the appearance of lunar and man-made craters:   the crater seen 
here resulted from impacting an aluminum target with a copper projectile at 18500 ft/sec. 



HYPERVELOCITY IMPACT 
During the past two years,  two  aspects of hypervelocity impact phenomena have received particular 

attention in the VKF:   the iormation of craters in semi-infinite targets and the mechanism of wove propogo- 
tion and spall formation. Experimental data have been obtained at velocities up to 6.82 km/sec (29kft/sec). 

FORMATION OF CRATERS 

By 

E. H. Goodman 

EXPERIMENTAL TECHNIQUE 

The hypervelocity impact range in -which 
the tests have been conducted, shown in 
Fig. 1, consists of:  (1) a two-stage 
launcher (2) an expansion tank to absorb 
muzzle blast and to provide space for sepa- 
ration of the projectile from the sabot 
(3) a connecting tube which had provision 
for measuring projectile velocity, and 
(4) a test chamber.  A description of the 
range and launcher is given in Ref. 1. 

Fig. 1  Typical Hypervelocity Impact Range 

Spherical aluminum, copper, and stainless 
steel projectiles, ranging in diameters from 
1,59 to 6.35 mm, have been impacted on thick 
aluminum and copper targets (Ref. 2).  The 
spherical projectiles had to be launched 
with plastic sabots, and in order to obtain 
clean impacts, a mechanical sabot stripper 
was developed.  The reliability of the 
stripper w^s on the order of 70 percent. 

The velocity and structural integrity of 
the projectile just before its arrival at 
the target were recorded by a high-speed 
framing camera (1.4 x 10^ frames per second 
maximum rate).  Fiducial lines accurately 
spaced on a translucent screen, against 
which the projectile was silhouetted, allow- 
ed the projectile's position to be computed 
and the velocity at impact determined by 
computer programming for a least squares 
fit.  Figure 2 is typical of a series of 
frames showing the projectile and target. 

Crater volume, which is defined as the 
volume below the original target surface, 
was determined by accurately metering a 
solution into the crater.  The crater di- 
ameter was measured by traversing the verni- 
er table from a point on the crater wall at 

solution level (as observed with a cathe- 
tometer) to a point where the cross-hair of 
the cathetometer was tangent to the opposite 
side of the crater at the solution level. 
Hence, the distance through which the verni- 
er table traveled was equal to the crater 
diameter at the solution level.  The target 
was then rotated approximately 90 deg, and 
the measurement was made again.  The average 
of several readings was taken as the crater 
diameter.  Crater depth was determined using 
an optical depth micrometer, 

A detailed description of these procedures 
is given in Ref. 1. 

Flight and Impact of a 3.18-mm-diam Alumi- 
num Sphere into an Aluminum Target at a 
Velocity of 6.5 km/sec 

Fig. 2 Four Frames from a Typical Framing 
Camera Sequence Showing Projectile, Target, 
and Spall Formation 
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PENETRATION 

Typical penetration data are presented 
in dimensionless form in Fig, 3, in terms 
of P/d vs Up/c, where P = crater depth 
(from the original target surface), d = pro- 
jectile diameter, Up = impact velocity, and 
c = velocity of sound in the target material 
(up/c = impact Mach number).  The experimen- 

tal results are compared with the Ames pene- 
tration formula (Ref. 3): 

P/d = Ki(pp/p^)° (Up/c)" 

where pp = projectile density, p^ = target 

density, and Ki, n, and m are empirical 
constants.  For the data presented the con- 
stants were found to be K^ = 2.35, n = 0.7, 
and m = 0.667. 

■. 3.IS-mm-diam SS Sphere-Al 
1.59-mni-diam Al Sphere-Al 

- 3.18-mm-diam Al Sphere-Al 
o 1.59-nim-diam Sphere Cu-AI 
n 3.18-mm-diam Sphere and 
A    4.76-mm-diam Sphere    Al -Al 

  P/d = 2. SSfPp/p,)"- '(Up/c)2'3 

 Modified Bohn and Fuchs Eqs. (Ref. Eq. (4)) 

 ;Bjork'5Eq. IRef. 9) 

yy\\ 

0.2 0.30.4 0.6 1.0   2.0 3.04.06.0 10.0 

Fig. 3 Correlation of Penetration Results 

Correlation with other empirical expres- 
sions involving projectile momentum, target 
hardness, and velocity of sound of the pro- 
jectile material were also attempted but 
were found to be inadequate. These expres- 
sions are derived and discussed in Ref. 5. 

Several theoretical analyses are pres- 
ently available.  In general, they may be 
divided into four groups:  (1) rigid pro- 
jectile, (2) hydrodynamic model, (3) thermal 
penetration, and (4) explosive analogy.  The 
experimental data and pertinent theories of 
each group were compared, but adequate corre- 
lations could not be obtained in most cases. 
A theoretical formula was derived by Bohn 
and Fuchs (Ref. 6) based on low velocity 
penetration considerations but was considered 
by them to be applicable to meteoroid impact. 
For spherical projectiles, the formula is 
as follows: 

P/d =   (2p /p.)"  (ln[l +   (B/3)i/2] 
P ^ 

-   [(B/3)i/2]/[l  +   (B/3)i/' 

where 

B = p^.u ^/H (Best number, Ref. 4) 
X p 

Brinell hardness 

and 

It was found that if n is taken as 2/3, 
a reasonably good fit for all of the alumi- 
num and copper target-projectile combinations 
is obtained (Fig. 3).  Correlation with 
Bjork's theoretical model (Ref. 7) is also 
shown in Fig. 3. 

CRATER SHAPE 

Several of the empirical expressions and 
theoretical analyses (Ref. 5) use the sim- 
plifying assumption that the crater is hemi- 
spherical (P/D(, = 0.5).  Figure 4 shows the 
parameter P/Dc versus projectile velocity. 
The craters from all of the projectile-target 
combinations approach a hemispherical shape 
as the velocity increases.  Within the range 
of velocities obtained, craters in aluminum 
which were made by copper projectiles and 
craters in aluminum which were made by stain- 
less steel projectiles were deeper than hemi- 
spherical.  Craters resulting from aluminum 
into aluminum and copper into copper impacts 
were essentially hemispherical at the higher 
velocities.  Aluminum into copper craters 
approached a hemispherical shape as the ve- 
locity increased, but more data will be 
needed in the higher velocity range to con- 
firm their shape. 

Fig. 4 Crater Depth to Diameter Ratio for 
Copper and Aluminum Spheres into Copper and 
Aluminum Targets 

CRATER VOLUME 

Crater volume data are shown in Fig. 5 
in the dimensionless form, Vc/Vp versus 
Up/c crater volume and Vc where Vc 
jectile volume.  Correlation of the data 
with the equation 

pro- 

V^/Vp = K^(pp/p^)3'2 (Up/C)2 

]] 
is also shown, with K2 = 44.1 empirically 
derived. 
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Fig. 5 Correlation of Crater Volume Data 
with Empirical Volume Prediction Equations 
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TARGET REAR SURFACE FRACTURE RESULTING FROM HIGH-SPEED IMPACT 

By 

R. Kinslow* 

What happens when two bodies collide at 
extremely high speed?  In the past  the 
incentive to study the effects of high- 
speed impact arose from the military need 
of armor plate to withstand projectiles at 
speeds up to about 4,000 ft/sec (2,700 mph) 
The incentive now has changed.  Meteoroids 
and man-made fragments pose a potential 
hazard to missiles and space vehicles and 
methods of protection against catastrophic 
damage on impact have to be developed. The 
speeds of the interplanetary debris are 
estimated to average about 50,000 ft/sec 
and to go as high as 200,000 ft/sec (140 000 
mph).  More must be learned of the physical 
laws that apply at these extremely high ve- 
locities.  For example, when a steel ball 
strikes a copper target at 30,000 ft/sec 
the pressure is greater than 40 million ' 
psi.  Little is known about the properties 
of metals under these conditions. 

]^ 

Consultant to VKF, ARO, Inc., Chairman 
Department of Engineering Science Tennes-' 
see Polytechnic Institute. 

Although the velocities obtained in the 
ranges of the von Karman Gas Dynamics Fa- 
cility are among the highest attainable at 
the present time, they are far below the 
average meteoroid velocity.  As it is not 
possible to determine the effects of mete- 
oroid impacts by experimental methods ex- 
cept at low velocities, an understanding 
of the mechanism involved in this phenome- 
non is necessary.  Both empirical and theo- 
retical studies are being made in the VKF 
^t      ^^'   ^^^  ^* ^® believed that they are 
adding to an understanding of the physical 
nature of hypervelocity impact.  This 
knowledge will be of utmost value to the 
designer of missiles and space vehicles 

When a solid body is impacted by a hy- 
pervelocity projectile, the kinetic energy 
of the projectile is partitioned among 
several physical effects, such as permanent 
deformations; heat, light, and vaporiza- 
tion; ejection of most of the projectile 
and some of the target material; and shock 
waves.  A simplified description of the 
effect may be divided into several stages- 
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(1) the projectile is imbedded in the tar- 
get material; (2) the crater expands very 
rapidly, the motion resembling an explosion; 
(3) the velocity of the crater surface de- 
creases, thereby permitting a shock to be- 
come detached from its surface.  Material 
flowing along the wall of the crater is 
ejected at velocities up to several times 
the impacting velocity of the projectile. 
(4) Permanent deformation ceases and the 
shock decays into a spherical elastic stress 
wave which continues to dissipate energy 
throughout the target.  (5) The wave re- 
flects from the back or other free surfaces 
of the target as a tensile wave that pro- 
duces secondary fractures and deformations 
if the tensile stress exceeds the fracture 
stress of the target material.  This frac- 
ture stress is much greater than the static 
ultimate stress. 

The principal source of danger from a 
meteoroid which does not actually pierce 
the wall of a spacecraft results from the 
damage produced by the stress waves re- 
flected from free surfaces.  A tensile wave 
reflected from the rear surface of a target 
may produce damage at or near the rear face 
as a granular fracture at the surface, as 
internal cracks and bulging of the surface, 
or as a detachment of the target material 
as shown in Figure 1. Although no actual 
deformation of the rear surface of the tar- 
get occurs, other damage might result in 
some instances.  For example, if this por- 
tion of the spacecraft contained a liquid, 
the stress wave could be transmitted through 
the liquid and perhaps focused at some dis- 
tant point so as to produce disastrous re- 
sults.  Studies relating to shock propaga- 
tion are now underway at the VKF. 

Fig. 1 Fractvires Produced by Reflected 
Shock Waves 

Much information concerning the nature 
of fracture and stress waves is being 
gained by the use of transparent targets. 
Figure 2 shows a series of photographs of 
a Lucite target being impacted by a hyper- 
velocity projectile.  (The camera used is 
capable of taking pictures at a rate up to 
1.4 million frames per second.) 

Studies indicate that the shock front 
just following impact has a velocity about 

equal to the velocity of the impacting pro- 
jectile.  As the crater is being formed, 
the shock separates from its surface.  Its 
strength rapidly attenuates, and its ve- 
locity decreases in a very short time to 
the velocity of an elastic wave. 

In the past, the propagation of spheri- 
cal elastic waves in solid media has been 
the object of much study among seismolo- 
gists .  The approach has been to consider 
an infinite homogeneous medium in which 
there exists a hollow spherical cavity 
within which there is an explosion produc- 
ing a time-varying pressure.  The problem 
has been to determine the wave motion and 
pressures in the surrounding solid medium. 
The problem of hypervelocity impact of a 
projectile into a semi-infinite solid is a 
similar one.  When a charge is fired within 
a hollow cavity, or when a high-speed pro- 
jectile impacts a solid, a wave is genera- 
ted in which the pressure is much greater 
than the material strength.  This wave di- 
verges from the point of impact, or site 
of the explosion, crushing the material. 
The wave rapidly attenuates because of 
loss of energy.  At some distance within 
the solid the pressure will equal the 
strength of the material, and at greater 
distances the material will be elastic if 
viscosity and internal friction are neglec- 
ted.  This critical distance is called the 
"radius of the equivalent cavity." There 
is evidence, both theoretical and experi- 
mental, that this radius is about equal to 
the final crater depth caused by the impact. 
This is not to say that an elastic wave de- 
taches itself from the crater, but rather 
that the shock decays into an elastic 
stress wave at about this location before 
the cavity is completely formed. 

Spherical, longitudinal wave propagation 
in a homogeneous, isotropic material can be 
specified by the wave equation 

^ = c=V2(^ 

where 0 is a scalar displacement potential, 
c is the wave velocity, and t is time. The 
particle displacement and velocity are 
specified by the relations 

30 
Sr 

and v = — 
St 

If r denotes the radius vector from the 
point of projectile impact, the principal 
stresses are given by the relations 

(X + 2p,) 

'e-n't + 2(\ + p.) f) 
where X  and \i  are the Lame constants, 
maximum shear stress is found to be 

s    V 3r  r 

The 
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pii>"i''W'i* p«" 

A test technique which enables the detailed observation of impact phenomena produced by a hy- 
pervelocity projectile has been developed in the von Karman Gas Dynamics Facility.  The above 
pictures show various stages of the projectile and back spall craters as follows:  (1) plastic 
projectile approaching Plexiglas' target at 21,800 fps, (2) impact of projectile, (3, 4, and 
5) development of projectile's crater and transit of shock wave through the target, (6) re- 
flection of shock wave and formation of back spall crater, and (7 and 8) latter stages of 
crater formations. 

Fig. 2 Observations of Hypervelocity Impact in Plexiglas Target 

and the mean pressure acting at a point is 

m   V -f^ S^f 
If the pressure applied within the spher- 

ical cavity having a radius r^ is assumed 
to be an impulse described by the relation 

n 
-iat P = Pi 2^ K^e 

i=i 

a solution of  the wave equation is 

n 
KiPi^i 

pr[aio +   (cto  - iot)^] 
IttT 

+  e ■OoT 1 + 

CDQT - tan~^ 

a© - ia 

ao  - ia 

1/2 

CDo 

where 

T   =    t   - 
ri 

"-t(^^) 
0)0   = 

(1  - 2v) 1/2 
-11/2 

and 

Poisson's ratio 

The value of pi is dependent upon the im- 
pact pressure between projectile and tar- 
get, the size of the projectile, and the 
depth of the crater produced.  The area 
under the pressure-time curve is a function 
of the projectile momentum and crater depth. 
Figure 3 shows the pressure-time relations 
for various values of n. 

It may be seen in Fig. 2 that fractures 
near the rear target surface are formed by 
the reflection of tensile stress waves. 
Once a fracture has been produced, the tail 
of the pulse is reflected from the new sur- 
face so that a series of parallel cracks 
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Fig. 3 Various Forcing Functions Having 
Same Momentum 

1.5-in. Aluminum Target 
Impacted tiy0.3-in. Lexan 
Projectile arVelocity. of 
20,000 ft/set 

Fig. 4 Multiple Fractures near Rear 
Surface of Aluminum Target 

may be formed as shown in Fig. 4.  It was 
found that fractures would be produced in 
an aluminum target and would be located as 
those which are shown, if n = 5 and a = 3 
were taken for the forcing function. By 
observing the motion of the rear surface 
of the target during impact, the particle 
velocity was determined. 

Figures 5 and 6 show the stresses pro- 
duced by the pressure pulse as it moves 
through the aluminum target after impact 
by a plastic projectile having a velocity 
of 20,000 ft/sec. The numbers on each 
curve give the time, in microseconds, since 
the wave became elastic. 

On the basis of this investigation, the 
following observations became apparent for 
aluminum targets: 

1. Aluminum targets (99.99 percent pure) 
have a tensile strength of 100,000 psi 
under hypervelocity impact. 

2. The forward component of the shock mo- 
mentum is about equal to the momentum 
of the impacting projectile. By the 
use of a ballistic pendulum, it has been 
found that the total momentum imparted 
to aluminum targets by plastic projec- 
tiles approaches a value of two for 
higher velocities.  This means that ap- 
proximately 50 percent of the total mo- 
mentum imparted to the target is in the 
pressure pulse. 

3. The attenuation rate of the shock before 
it becomes an elastic wave is about 
twice that of an elastic wave. 

4. The spall thickness (distance between 
first fracture and rear target surface) 
may either increase, decrease, or re- 
main constant with an increase in tar- 
get thickness for equal projectile 
masses and velocities, depending upon 
the target strength. 

5. Spall thickness decreases with an in- 
crease in projectile velocity for tar- 
gets of equal thickness. 

6. Fractures are independent of projectile 
shape. 

Work is now being conducted with solid 
targets of other materials and with lami- 
nated targets.  Studies are being made con- 
cerning the effects of internal friction, 
viscosity, relaxation, and other properties 
of material; the effects of plastic waves, 
waves of distortion, and Rayleigh surface 
waves; and the validity of the various 
assumptions which have been made. 
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A model is seen suspended in the VKF prototype, five-component, magnetic suspension 
system being developed for use with supersonic and low density tunnels. 



EXPERIMENTAL TECHNIQUES 

SUPERSONIC AND HYPERSONIC TUNNELS 

Developmenf of the 50-inzh Hack 8 and 10 tunnels involved a number of significant and new depar- 

tures in the wind tunnel technology. Simply machined, segmented, axisymmetric, contoured nozzles were 

found to produce good quality flow in the test section. With the activation of the 50-inch Mocf) 70 tunnel in 

1961, we find the philosophy of wind tunnel design completely opposed to the one with which the develop- 

ment of relatively large supersonic wind tunnels started in Germany in the late nineteen twenties. In those 

days, for reasons of economy, the intermittent tunnel concept was introduced, tunnel runs of the order of 

a minute being obtained using vacuum storage. This basic technique, which was highly developed during 

the next 25 years, involved on intermittent test section flow and a model continuously present in the test 

section. In the VKF Mocfc 10, 50-inch tunnel, the opposite is true: the tunnel flow is continuously main- 
tained while the model is intermittently injected for test. 

Since, with the modern instrumentation, the data taking takes only a relatively short time,   this 

mode of operation, by providing maximum model accessibility, insures highest tunnel utilization. More- 

over, it eliminates the problem of model starting loads and allows convenient conduct of heat tronsfertests. 

In the contributions which follow these and other significant problems which were encountered in the 

design and operation of VKF large, continuous, supersonic and hypersonic wind tunnels are discussed. 

DEVELOPMENT OF AIR HEATERS FOR CONTINUOUS, HYPERSONIC TUNNELS 

By 

R. M, James 

1500"F AIR HEATER 

The continuous hypersonic wind tunnels 
in VKF require elevated stagnation tempera- 
tures to prevent air liquefaction.  Included 
in the initial facility equipment was a 
12,000-kw electric resistance heater intended 
to supply heated air for a continuous hyper- 
sonic wind tunnel at stagnation temperatures 
up to 1500°F and stagnation pressures up to 
2000 psi. 

The heater consisted primarily of thirty 
sets of two concentric Nichrome tube elements 
mounted in tube sheets with insulators.  This 
tube bundle was surrounded by a cylindrical 
steel shroud covered with insulation.  The 
tube bundle-shroud assembly was contained 
in a cylindrical pressure vessel.  The tubes 
were heated by passing electrical current 
through them, and the air was heated as it 
passed through the heated tubes. 

Early operation of the heater proved that 
it would not give the required performance 
in the original condition.  Many minor dif- 
ficulties were identified and overcome; how- 
ever, three major problem areas existed. 
These were air bypassing the heater elements, 
thermal distortion of the cylindrical shroud 
around the tube element bundle, and failure 
of electrical straps connecting the heating 
elements at the downstream end. 

In the early runs, the maximum exit air 
temperature obtained was 900°F, using a maxi- 
mum allowable tube temperature of 1900°F. 
Investigation showed that this resulted pri- 
marily from inlet air bypassing the heating 
elements.  The air was leaking around the 
outside of the tubes and the outside of the 
shroud.  The cooler bypass air mixed with 
the heated air leaving the tubes, resulting 
in a low temperature.  The upstream end of 
the heater was redesigned to eliminate the 
bypass air, bringing the exit temperature 
up to the desired 1500°F.  In this redesign, 
the seal around each tube element also acted 
as an anchor point to withstand the down- 
stream thrust of the tube. 

It was found that a positive temperature 
gradient from bottom to top of the heater 
was causing severe distortion of the shroud. 
The gradient produced a bow of several inches 
in the shroud with the high point at the 
center, crushing insulation and causing hot 
spots in the heater shell.  The thermal 
gradient could not be eliminated easily; 
therefore, its effect was neutralized by 
cutting the shroud into four axial segments. 
The distortion of each segment was small 
enough to be tolerated. 

The most difficult problem to solve was 
the failure of straps providing the electri- 
cal connection between the tubes.  There 
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were three phases of tube elements, each 
consisting of ten sets of elements in series. 
The tubes were made of Nichrome V for high 
electrical resistance.  This arrangement 
necessitated electrical connections between 
tubes at the discharge end. As shown in 
Fig. 1, the original connectors were in the 
form of single, heavy, nickel straps.  There 
were several factors contributing to the 
strap problems.  The straps had to have suf- 
ficient cross section to avoid excessive 
electrical heating from their own resistance, 
which would cause a high oxidation rate and 
loss of strength. To accommodate uneven 
thermal expansion and contraction of the 
tubes, the straps had to have high flexibili- 
ty, a condition incompatible with high cross 
section for the original strap configuration. 
Added to this was a loss in strength of the 
straps at high temperature which permitted 
gravity and electromagnetic field forces to 
droop or deform the straps.  Periodically, 
this deformation became great enough to cause 
contact between adjacent straps, resulting 
in electrical short circuits and failure. 

Fig. 1 AEDC-VKF 1500"F Heater 
Original Connectors 

Numerous strap configurations were con- 
ceived and tested, leading to the final 
design shown in a partially assembled bundle 
in Fig. 2.  In Fig. 3, the modified connector 
configuration is shown at 1650°F as it was 

tested in a special rig which was developed 
to permit viewing the connectors' under oper- 
ating temperature and anticipated motion. 
As a result of this and other modifications, 
good operational reliability of the heater 
has been achieved. 

Fig. 3  AEDC-VKF 1500°F Heater Testing 
of Modified Connectors at IBSO'^F 

2000°F AIR HEATER 

It is envisaged that in the future Tunnel 
C (see page 50) will be equipped with a 
Mach 12 nozzle and a new heater to provide 
the required air temperature of 2000°F.  A 
pilot.heater, developed in the VKF (Ref. 1), 
consists of 15-ft-long resistance elements 
made of helical coils of Kanthal A-1 resist- 
ance wire held in the center of cylindrical 
alumina insulators of larger ID than the coil 
(Fig. 4).  The air passes longitudinally 
through the annuli.  The continuous coil and 
insulation are enclosed in a close-fitting 
stainless steel tube to force the air over 
the heated wire. 

Fig. 2 AEDC-VKF 1500°F Heater 
Modified Connectors 

Fig. 4  AEDC-VKF 2000°F Air 
Heater Insulators and Coil 

Tests were made at mass flows from 0.2 
to 0.7 lb/sec per tube, air outlet tempera- 
tures from 500 to 2000°F, and pressures from 
600 to 1800 psia.  A final endurance run of 
100 hr at maximum pressure and temperature 
was made without incident or evidence of 
impending failure.  Based on this development, 
a full-scale 12,000-kw heater for 2000°F was 
designed and is now under construction. 
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DEVELOPMENT OF CONTINUOUS,  HYPERSONIC TUNNELS 

By 

J. C. SIvells 

HISTORICAL BACKGROUND 

The development of the AEDC-VKF 50-in.- 
diam continuous-flow hypersonic tunnels 
began in 1957 with the design and fabrication 
of a conical nozzle with interchangeable 
throat sections to produce Mach numbers of 
approximately 7 and 8.  The original purpose 
of this nozzle was to check out the associ- 
ated equipment - the VKF compressor plant, 
the propane-fired combustion heater, the 
12,000-kw electric heater, and the after- 
cooler between the downstream end of the 
nozzle and the inlet of the first-stage com- 
pressors.  All of the equipment functioned 
satisfactorily with the exception of the 
electric heater, which was subsequently re- 
designed for use with the AEDC-VKF Mach 10 
Tunnel.  The temperatures obtained from the 
combustion heater were sufficient to avoid 
liquefaction of the air at Mach numbers of 
7 and 8. 

Because the conical nozzle provided the 
largest hypersonic tunnel available, a few 
aerodynamic tests were attempted in spite 
of the poor quality of flow in the test 
region.  Not only was there present the Mach 
number gradient associated with any conical 
nozzle but also large deviations from the 
mean Mach number because' the nozzle was not 
truly conical as a result of the simple 
method used in its fabrication.  The poor 
flow quality led to the decision to design 
and fabricate a contoured axisymmetric noz- 
zle to produce a Mach number of 8.  The high 
pressure housing for the throat, the model 
support section, the diffuser, and the cali- 
brating equipment for the conical nozzle 
were incorporated in the design of the con- 
toured nozzle. 

AEDC-VKF MACH 8 TUNNEL 

DESIGN 

The aerodynamic design and calibration 
of the AEDC-VKF 50-an. hypersonic tunnels 
are given in Ref. 1,  The inviscid contour 
for the Mach 8 nozzle was selected from those 
given in Ref. 2.  The nozzle contours given 
therein were calculated by the method of 
axisymmetric characteristics, assuming that 
the flow at the inflection point was radial 
as if emanating from a point source.  In 
order to provide continuous curvature of the 
contour, the centerline Mach number distri- 
bution between the end of the radial flow 
region and the beginning of the parallel 
flow region was described by a cubic equation. 
The constants in the cubic equation were 
selected to make the Mach number gradient 
continuous throughout and equal to zero at 
the beginning of the parallel flow region. 

To the coordinates of the inviscid contour 
must be added a boundary-layer correction to 
obtain the physical coordinates of the noz- 
zle.  For the range of operating conditions 
of tl.e AEDC-VKF 50-in. hypersonic tunnels. 

the boundary layer is turbulent for the full 
length of the nozzle. Because of the meager 
amount of experimental data on boundary- 
layer growth at hypersonic speeds, many 
empirical methods have been developed which 
attempt to apply low-speed data to flow at 
supersonic and hypersonic speeds.  For the 
Mach 8 contour, the method used to calculate 
the boundary-layer growth was one in which 
the reference temperature was the arithmetic 
mean between free-stream and wall tempera- 
tures.  During the fabrication and early 
operation of the tunnel, an improved method 
was developed which correlated well with 
experimental measurements made in the ear- 
lier conical nozzle and in the contoured 
nozzle.  This improved method, which is de- 
scribed in Ref. 3, used a modification of 
Stewartson's transformation to simplify the 
integration of the von K£rm£n momentum equa- 
tion.  The approximate effects of heat trans- 
fer between the air and the tunnel wall were 
taken into account by evaluating the air 
properties at Eckert's reference temperature 
and by using the adiabatic-wall temperature 
instead of the stagnation temperature in 
Crocco's quadratic for the temperature dis- 
tribution in the boundary layer. 

The throat contour for the Mach 8 con- 
toured nozzle was defined by simple equa- 
tions - a cubic equation upstream of the 
throat and a semi-cubic equation downstream 
until it was tangent to a conical section 
which, in turn, was tangent to the physical 
contour at the inflection point.  The con- 
stants of the equations were selected to 
produce continuous curvature along the entire 
contour and to make the radius of curvature 
at the throat equal to five times the throat 
radius. 

The Mach 8 contoured nozzle was constructed 
in 1958.  The throat section was designed to 
fit the pressure shell used for the throat 
of the conical nozzle.  Downstream of the 
throat section, the nozzle was fabricated 
in six sections to facilitate machining the 
contours.  Each section had double walls 
for the water cooling system and was flanged 
to mate with the adjacent sections.  Some of 
the details are shown in Figs. 1 and 2, 

Fig. 1  General Arrangement of 
AEDC-VKF Mach 8 Tunnel 
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Fig. 2 View of AEDC-VKF Mach 8 
Tunnel, Looking Downstream 

CALIBRATION 

The Mach number distribution in the test 
region was determined by means of pitot-tube 
surveys. A typical result of the calibration 
is shown in Fig. 3,  The centerline Mach num- 
ber distribution is uniform within about ±1 
percent, whereas off-center the flow is uni- 
form to about ±0.3 percent.  Because of 
changes in boundary-layer thickness caused 
by changes in pressure level, the average 
Mach number is a function of pressure level 
and approximately follows the empirical 
relation, M = 8.125 - 30/(po + 120), where 
the stagnation pressure, PQ, is measured in 
psia over the range of stagnation pressure 
levels from 100 to 900 psia.  There is a 
slight mean axial gradient on the order of 
0.01 Mach number per foot, although.local 
gradients on the centerline exceed this 
value considerably.  The AEDC-VKF Mach 8 
Tunnel has been operational since October 
1958. . 

Fig. 3 Calibration of Mach 8 Tunnel 

AEDC-VKF MACH 10 TUNNEL 

DESIGN 

The success of the Mach 8 contoured noz- 
zle in producing reasonably uniform flow led 
to the development of a Mach 10 contoured 
nozzle operated from the same VKF compressor 
plant but as a completely separate wind 
tunnel.  Its air is initially heated by the 
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Fig. 4  General Arrangement of 
AEDC-VKF Mach 10 Tunnel 

same combustion heater, but the stagnation 
temperature is further heated up to a maximum 
of 1450°F by the modified 12,000-kw electric 
heater. 

The Mach 10 nozzle was designed so that 
it could be replaced later with a Mach 12 
nozzle. Moreover, it was thought that the 
same downstream contour, corrected for the 
boundary-layer-displacement thickness, might 
be usable for both Mach numbers.  If this 
idea proved to be practical, only the sec- 
tions upstream of the inflection point would 
need to be interchanged.  Since these sec- 
tions are relatively short, a considerable 
saving would be effected, not only in in- 
itial cost but also in the time required 
each time the sections are changed.  In order 
to match the downstream section, both up- 
stream sections must have the same ordinate 
and slope at the inflection point after the 
boundary-layer correction is made.  If it 
is found "later in the calibration that sepa- 
rate downstream sections are required, at 
least nothing will have been lost by adopting 
this philosophy. 

The inviscid contour for Mach 12 was also 
obtained from Ref. 2.  The boundary-layer 
correction was then calculated by the method 
of Ref. 3 so that a physical contour for 
Mach 12 could be detenained.  It was then 
necessary to determine the parameters for a 
Mach 10 inviscid contour which, when cor- 
rected for its boundary-layer growth, would 
match the Mach 12 contour at the inflection 
point and at the test section. After many 
trials, such parameters were established and 
the characteristic solution for the inviscid 
contour was computed by the Digital Compu- 
tation Branch of the Aeronautical Research 
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Laboratory at the Wright Air Development 
Center which also computed the contours of 
Ref. 2. 

The throat contour for the Mach 10 nozzle 
was obtained by equations similar to those 
used for the Mach 8 nozzle.  In this case, 
however, the throat radius of curvature was 
made equal to thirty times the throat radius 
since this parameter was believed to be a 
factor in the quality of flow obtainable in 
the test region. 

The AEDC-VKF Mach 10 Tunnel was constructed 
in 1960.  Details of the stress and thermal 
analysis used in the throat design are given 
in Ref. 4, and the mechanical design of the 
tunnel is given in Ref. 5.  Some of the de- 
tails of fabrication are shown in Figs. 4 
and 5. 

Fig. 5 View of AEDC-VKF Mach 10 
Tunnel, Looking Downstream 

CALIBRATION 

The Mach number distribution in the test 
section was determined by means of pitot-tube 
surveys. A typical result of the calibration 
is given in Fig. 6.  The centerline Mach num- 
ber distribution is uniform within about 0.5 
percent, whereas off-center the flow is uni- 
form to about 0.2 percent.  The average Mach 
num,ber is again a function of pressure level 
and approximately follows the empirical 
relation, M = 10.250 - 150/(Pjj + 500), where 
the stagnation pressure, PQ, is measured in 
psia over the range from 200 to 2000 psia. 
Again.there is a slight mean axial gradient 
on the order of 0.01 Mach number per foot. 
The AEDC-VKF Mach 10 Tunnel has been oper- 
ational since May 1961. 

MODEL SUPPORT 

A unique feature of the AEDC-ATKF Mach 10 
Tunnel is the model support system. As shown 
in Fig. 4, a tank is located directly under 
the test section.  The model and its support 
can be retracted into this tank which can 
then be sealed off from the test section and 
vented to atmospheric pressure while the air- 
flow is maintained in the test section.  Per- 
sonnel can then enter the tank to change the 
model configuration.  For testing, the per- 
sonnel entrance door is closed, and the tank 
is vented to the test section pressure, after 
which the doors between the tank and test 
section are opened and the model and support 

p^ ■ UOO psia 

Looking Downstream                               ^.^^^^^fc 

%>'. S^^" 
4^^-'' 

1  9.9 
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Fig. 6 Mach Number Distribution 
in the Mach 10 Tunnel 

can be injected into the airstream.  Injec- 
tion time is approximately two seconds, with 
a maximum acceleration or deceleration of 
about one g. For prolonged tests, fairing 
doors are closed to preserve the circular 
cross section of the tunnel and to protect 
the tank equipment from excessive tempera- 
tures.  For transient heat-transfer tests, 
the model is cooled in the retracted position 
and injected into the airstream for the five 
to ten seconds required to obtain the time 
history of the model skin temperatures. 

Through the use of this model injection 
system, a considerable amount of time is 
saved which is normally lost in a continuous 
wind tunnel in which the airflow must be 
stopped each time the model configuration 
is changed. Also, the tunnel starting and 
stopping loads on the model are eliminated, 
the tunnel starting pressure ratio is reduced 
without the model in place, and the life of 
the heater and other plant equipment is pro- 
longed since the deterioration is reduced by 
steady operating conditions. 
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THE HOTSHOT STORY 

The two contributions here included summarize the development of the hotshot-type tunnel technique, 
which was originated by the VKF in the mid-fifties and has since been carried out to the point of routine 

acquisition of reliable force, pressure, and heat-transfer data in tfte Uach 20 range, at flow velocities of 
about 10 kft/see. Limitations of hotshot-type tunnels and characteristics of inductive power supplies are 

discussed.   The latter installations are unique and are capable of generating currents up to a million- 
ampere level. 

DEVELOPMENT OF HOTSHOT-TYPE WIND TUNNELS 

By 

J. Lukasiewicz and R. Jackson 

Several years ago the name hotshot was 
coined in the YECF (then known as the Gas 
Dynamics Facility) to describe a new type 
of blow-down hypersonic wind tunnel in 
which the working gas was directly ener- 
gized by a short-duration electric arc 
discharge.  The term was soon universally 
accepted and for some years now has been 
consistently used with reference to this 
particular type of arc-driven wind tunnel. 

The development of hotshot tunnels 
started in the VKF in about 1955 and fol- 
lowed experimentation with arc-driven shock 
tubes. Although the basic principle of the 
hotshot tunnel remained unchanged through- 
out a decade, it has been only since 1961 
that reliable aerodynamic results could be 
obtained from hotshots. As is often the 
case with technological innovations, the 
success was obtained only after extensive, 
careful, and often tedious development had 
been completed. 

Following introduction of hotshots at 
the AEDC, several hotshot installations 
have been built in this country and abroad. 
The following organizations are among the 
hotshot operators today: Boeing Aircraft 
Company, Chance Vought Corporation, McDon- 
nell Aircraft Company, North American Avi- 
ation Company, ONERA (France), Lockheed 
Missile Division, University of Michigan, 
Stanford University, NASA-Langley Research 
Center, and United Aircraft Corporation. 

The hotshot tuuonels, in their present 
stage of development, provide aerodynamic 
simulation in terms of Mach and Reynolds 
numbers, at Mach numbers on the order of 
20 and at actual flow velocities of about 
10,000 ft/sec. Compared to other M = 20 
tunnels, shock-tube-driven tunnels, for 
example, hotshots offer an order of magni- 
tude longer running time (in the 50-msec 
range) and hence an ease of instrumenta- 
tion.  On the other hand, based on the VKF 
studies, their potential for development 
to operation at actual space-flight veloci- 
ties (20,000 ft/sec or more) is not prom- 
ising. 

It is pertinent to recall at this point 
that the hotshot principle was originally 
conceived as one which would enable attain- 
ment of hypervelocities in a wind tunnel. 
As indicated, this objective has not been 
achieved to date; nevertheless, the idea 
has resulted in the development of a most 
useful aerodynamic tool. 

The development of hotshot tunnels, 
which was accomplished in the VKF before 
1962, has been reported in considerable 
detail*; only the salient phases of this 
work will be here mentioned. 

-Motor-flywheel-Generator Sets 

Fig. 1 The 100-Inch Hypervelocity 
Tunnel Installation 

BASIC FEATURES OF HOTSHOT TUNNELS 

At present two large hotshot tunnels 
are in daily use in the VKF. Their test 
sections measure 50-in. and 100-in. in di- 
ameter, and the tunnels are driven by nomi- 
nal inductive coil energy supplies of 10 
million and 100 million joules capacity, 
respectively. The original, 16-in.-diam, 
one-million-joule, condenser-driven, pro- 
totype hotshot tunnel, with which much 
basic development was done, is no longer 
in existence. 

A list of references related to devel- 
opment of AEDC-VKF hotshot tunnels is given 
on page 57. 
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Fig. 2 Arc Chamber for the 100-Inch 
Hypervelocity Tunnel (F) 

The 100-in. hotshot, which is the larg- 
est hypersonic tunnel known, is shown in 
Fig. 1, with Fig. 2 giving the details of 
the arc chamber. The electrical circuit 
is shown schematically in Fig. 3. 
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\ V- Flywheel 

Dynamic Coupling- 

Discharge Loop 1^       1^. 
Switch Arc      I I 

■-Charge Loop Switch 

Storage Coil Short-Circuit Switch f\ 
To Arc 

Chamber 

Fig. 3  Schematic of Inductive 
Drive for a Hotshot Tunnel 

The operation of a hotshot tunnel con- 
sists essentially of storing the electrical 
energy in an inductive coil or in a con- 
denser bank and discharging it in the arc 
chamber, thus pressurizing and heating the 
working gas. This causes a diaphragm, 
located near the nozzle throat, to burst 
and the gas to expand to a high Mach number 
into the previously evacuated nozzle. A 
quasi-steady flow period, of some 20- to 
60-msec duration, is obtained in the test 
section, the reservoir pressure and tem- 
peratxire continually decreasing during this 
time fo the extent of some 10 percent. 

MAJOR STAGES OF HOTSHOT DEVELOOTENT 

ARC CHAMBER 

Early investigations of the hotshot tun- 
nels have clearly indicated that flow con- 
tamination was mainly responsible for large 
deviations of measurements (e.g., drag and 
heat transfer) from expected theoretical 
values. The effects of contamination of 
the working gas with the arc-chamber mate- 
rials were considered +.o be of two distinct 

types:  (1) chemical and thermodynamic ef- 
fects which affect the chemical composition 
of the working gas and its themodynamic 
state and (2) mechanical effects of con- 
tamination of the working gas with solid 
particles consisting of either metals or. 
products of chemical reactions (e.g., ox- 
ides) .  Since effects of both types of 
contamination increased in severity with 
temperature, it was desirable to first re- 
duce them to acceptable limits when opera- 
ting in the lower temperature range from 
3000 to 4000OK at peak pressures from 15,000 
to 20,000 psi. 

Experience with air and early arc-chamber 
designs, in which considerable areas on ny- 
lon insulators were exposed to the working 
gas, had shown that pyrolysis of nylon took 
place and resulted in the addition of hy- 
drogen. This, in turn, caused large errors 
in the calculated arc-chamber enthalpy, 
based on the assumption of pure air. At 
higher energy levels, these errors amounted 
to as much as 100 percent. Moreover, with 
the air (hence oxygen) present, formation 
of water and other oxides took place, the 
oxygen having been seriously depleted. 

These chemical effects are indicated in 
Table 1, which shows composition of test 
section gas (collected during a rim) with 
air used in the arc chamber. Appreciable 
depletion of oxygen is evident in all cases, 
with large amounts of hydrogen present when 
nylon arc-chamber liners were used. 

Table 1 
Test Section Gas Composition 

Gas Composition, Percent by Volume 
Arc-Chamber ' 
Liner Material lo-^K 

6000 

N^■^CO "2 Hj H^O CU2 NO HjO + Hj 

Nylon 62 8.5 10.7 17 1.1 — 27.7 
l^ylon 4000 75 3.7 4.7 12.1 3.6 — 16.7 
Copper 400O 78 8 0.1 7.1 3.1 2.2 7.2 
Steel 4000 81 12 0.3 3.8 2 — 4.1 

The thermochemical effects were virtually 
eliminated by the use of nitrogen as the 
working gas instead of air and by elimina- 
tion, inasmuch as possible, of the exposed 
insulation. From the point of view of aero- 
dynamic measurements, the use of nitrogen 
was not considered detrimental since calcu- 
lations had shown that only small differ- 
ences wou4.d exist between air tests and 
nitrogen tests in the above-mentioned tem- 
peratTire range (Ref. 1) . For example, 
normal shock and wedge pressure coeffi- 
cients would differ by less than five per- 
cent; stagnation point heat transfer, for 
the same stagnation enthalpy and Mach num- 
ber, would differ by not more than eight 
percent.  Such differences were within the 
accuracy of experimental measurements in 
the "high" hypersonic facilities. 

It was also established that the use of 
nitrogen resulted in one other additional 
benefit: it eliminated the erosion of tung- 
sten throats. This was consistent with 
the observed ignition temperature of 1500°K 
of tungsten in air. 
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The mechanical contamination effects 
mentioned were reduced to an acceptable 
level by the development of arc-chamber 
design.  The main steps in its evolution 
were as follows: 

1. replacement of a silver solder fuse by 
a copper fuse which was opened by mag- 
netic force; 

2. change of electrode configuration from 
opposed or parallel to coaxial, with 
the arc-chamber cylindrical liner used 
as one electrode (linertrode); 

3. addition of a baffle plate which shielded 
the nozzle throat from the electric arc. 

These features of arc-chamber design are 
shown in Fig. 2. The significance of these 
arc-chamber design improvements can be 
judged from Fig. 4, where electrode weight 
losses (absolute and relative), particle 
collector weight increases, and stagnation- 
point heat-transfer rates are shown.  In- 
spection of Fig. 4 indicates that in all 
cases an improvement of an order of magni- 
tude has been realized. The losses of ma- 
terial from electrodes and fuse have been 
reduced to less than two percent (by weight) 
of the gas in the arc chamber. As an indi- 
cation of the amount of solid particles in 
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the stream, measiirements were made of the 
increase in weight during a run of a so- 
called particle collector (a small plate 
normal to the test section flow). Weight 
increases from over 10 mg/in.^ have been 
reduced to 0.5 to 2 mg/in.^. As was shown 
in Ref. 2, the stagnation point heat-trans- 
fer rate was extremely sensitive to the 
contamination of flow with solid particles. 
This was borne out by data shown in Fig. 4, 
which indicated that the ratio of experi- 
mentally measured to theoretically predicted 
heat-transfer rates, from values of 2,5 and 
higher, had been reduced to 1 ± 0.3. The 
random scatter of measurements about the 
correct value indicated that, as discussed 
later, the variations probably were not 
caused by contamination, since the latter 
could account only for an increase of the 
heat-transfer rate. 

DETERMINATION OF FREE-STREAM CONDI- 
TIONS AND HEAT-TRANSFER MEASUREMENTS 

The above-siunmarized arc-chamber devel- 
opment resulted in 1961 in the ability to 
consistently obtain good pressure and force 

Fig. 4 Effects of Arc Chamber 
Development on Test Section 
Flow Purity 

Fig. 5 Direct Measurement of Test 
Section Velocity by Blast Wave - 
Schlieren Smear Technique 
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data in hotshot tunnels, with a repeata- 
bility of ±10 percent; however, as stated 
above, the timewise and run-to-run scatter 
in heat-transfer measurements was not yet 
acceptable. 

The cause of this difficulty was traced 
to the non-uniformity of temperature and 
density distribution in the arc chamber, 
and the problem was satisfactorily resolved 
by direct measurement of flow velocity in 
the test section, which enabled the free- 
stream conditions to be determined with the 
desired accuracy at all times during a run. 

The direct flow velocity measurements 
consisted essentially of the production of 
several cylindrical blast waves during a 
run and observation of their translation 
across the test section window by means of 
schlieren-smear photography. The blast 
waves were generated by electric arc dis- 
charges between electrodes located just 
upstream of the test section, as shown in 
Fig. 5, 

Typical results of such measurements 
made in the 50-in. hotshot are shown in 
Fig. 6. Here Ug^, or free-stream velocity 
determined from the observations of blast 
waves (Fig. 6a), was compared with the ve- 
locity Ui deduced from the heat-transfer 

measurements on the shoulder of a 1-in.- 
diam hemispherical probe* and (Fig. 6b) 
with the velocity U^c computed from the 
calculated, mean arc-chamber enthalpy (based 
on arc-chamber mean pressure measurements). 
Whereas U^ and Ugw are seen to agree to 
within ±5 percent, much larger deviations 
were present in the V^Q  VS UBW correlation, 
clearly indicating that the assumption of 
uniform arc-chamber conditions was not 
valid. The excellent correlation between 
Uq and Ugw indicated that the flow enthalpy 
could be accurately calculated from the 
heat-transfer measurements. 

The above experiments not only resolved 
the problem of heat-transfer measurements 
in hotshot tunnels, but also pointed out a 
convenient method of monitoring the flow 
contamination during every run; this was 
desired because of the possibility of a 
malfunction of the arc chamber. These two 
objectives were attained with a hemisphere- 
cylinder, heat-transfer probe, instrumented 
with two gages, one located at the stagna- 
tion point and the other at the shoulder. 
The former, being contamination sensitive, 
served as a monitor of flow purity, whereas 
the latter, together with the pitot pres- 
sure measurement, provided a measure of the 
flow enthalpy. Thus, the heat-transfer 
measurement, initially thought to be the 

least accurate one, could now be used to 
provide reliable measurements of free-stream 
velocity and heat transfer on models. 

*Velocity U^ was calculated from the 
measured heat-transfer rate on the basis of 
Fay-Riddell theory for stagnation point 
heating (with zero dissociation for Ng of 
reservoir densities above 20 amagats and 
reservoir temperatures below 5000°K) and 
Lees' distribution of heat-transfer rate. 

Fig. 6 Correlation of Measured 
Free-Stream Velocity with 
Computed Velocities 

AERODYNAMIC TESTING IN 
HOTSHOT-TYPE TUNNELS 

Some of the typical results of force, 
pressure, and heat-transfer measurements 
obtained in the VKF hotshot tunnels are 
shown and discussed elsewhere in this col- 
lection (see pages 5 and 17).  All such 
measurements are being obtained with a re- 
liability of ±10 percent. Typical heat- 
transfer measurements on the surface of a 
9-deg half-angle, blunted (0.3 bluntness 
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ratio) cone obtained in the 100-in. hotshot, 
are compared with the theoretical values in 
Fig. 7.  It is evident that low absolute 
heat-transfer rates are being satisfactorily 
measured. 

Fig. 7 Heat-Transfer Measurements 
on a Slender Blunted Cone 

Typical operating range of hotshot tun- 
nels is shown in Fig. 8, in terms of Mach 
and Reynolds numbers, the appropriate simu- 
lation parameters.  Corresponding altitudes 
for duplication of Mach and Reynolds num- 
bers with full-scale models are also indi- 
cated. 

As regards utilization of hotshot tun- 
nels, in view of their large size it is 
often possible to test two or more models 
simultaneously.  The models may differ in 
configuration or they may be identical 
models at different angles of attack. A 
multi-model setup is shown in Fig. 9 in the 
test section of the 100-in. hotshot.  It 
has also been possible, at least in one 
case so far, to test a full-scale model in 
the 100-in. hotshot (in connection with the 
space nuclear auxiliary power (SNAP) proj- 
ect) . 

LIMITATIONS OF HIGH 
TEMPERATURE OPERATION 

Operation with air at enthalpies at 
which measurable real gas effects are pres- 
ent is the goal of all hypervelocity test 
facilities. Although hotshot tunnels have 
not been used in this regime, some of the 
difficulties and limitations to be expected 
became evident from the available experi- 
mental data (Refs. 5 and 6).  They related 
to two distinct problems, namely:  (1) the 
ability of arc-chamber components to with- 
stand high enthalpy, high pressure condi- 
tions and (2) the heat losses from the 
working gas. 

-Pgand TQ during 
Useful Run Time 
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20,000 
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Mach Number 
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20,000 
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14 16 

Macfi Number 

Tunnel F 9.0-ft-diam Test Section 

Fig. 8  Mach-Reynolds Number Range 
of Operation of Hotshot Tunnels 

Fig. Multi Model Test 
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From a limited experimental program it 
was found that at reservoir temperatures 
from 6000 to 9000°K, the loss of mass of 
arc-chamber components increased by an 
order of magnitude or more compared to the 
operation at 4000°K or below.  This was also 
reflected by the stagnation point heat- 
transfer measurements which showed a several- 
fold increase over the theoretical values. 

An even more basic limitation was estab- 
lished as a result of analysis of heat 
losses from the gas to the arc-chamber walls. 
Figure 10 shows a comparison of experimental 
heat losses with theoretical, blackbody ra- 
diation losses to a cold wall.  At tempera- 
tures exceeding about 4000°K, the blackbody 
radiation assumption is seen to predict 
reasonably well the heat loss rate.  Based 
on this finding, Fig. 11 was constructed 
in which decay of enthalpy of air caused 
by radiation is shown in terms of the At/V 
parameter which relates arc-chamber surface 
area, A, volume, V, and time, t.  Figure 11 
is generally applicable to any aerodynamic 

Fig Arc Chamber Heat Loss Rate 
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Fig. 11  Decay of Enthalpy 
of Air due to Radiation 

test facility which employs reservoir heat- 
ing and indicates that for such facilities, 
because of heat losses alone, short heating 
and running times are mandatory for opera- 
tion at high enthalpies. For hotshot tun- 
nels, the parameter At/V ranges from 0.4 to 
1 sec/ft. At values of At/V < 0.1, a tem- 
perature of only 10,OOOOK at 4500-atm pres- 
sure is required to reach 20,000 ft/sec; 
however, in the hotshot range of At/V, ini- 
tial reservoir temperatures from 14,000 to 
over 16,000°K (or an initial reservoir en- 
thalpy over two times higher) would be re- 
quired to achieve this velocity in the test 
section,thus compounding many times the arc- 
chamber and flow contamination problems which 
are already extremely'severe at 10,000°K. 

From such evidence and analyses it was 
concluded in early 1962 that hotshot tun- 
nels in their present form are less likely 
than other types of facilities to be capa- 
ble of operation at space-flight enthalpies. 
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INDUCTANCE ENERGY STORAGE SYSTEMS 

By 

R. R. Walker,  IN 

The inductive power supplies used to 
drive the AEDC-VKF 50-in. and 100-in. 
tunnels have already been briefly described 
(see page 52). A schematic circuit diagram 
is given in Fig. la, and a cross-section of 
a unipolar generator is given in Fig. lb. 
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Fig. la Schematic of Inductive 
Drive for a Hypervelocity Tunnel 

electric arc in the arc chamber in approxi- 
mately 10 to 80 msec.  Theoretically, during 
the charging cycle the unipolar generator 
can be treated as a capacitor (Ref. 1), and 
thus the inductance energy storage system 
becomes a standard electric RLC circuit with 
an initial voltage on the capacitor.  During 
the discharge cycle, the arc resistance is 
nonlinear and theoretically, because of the 
short discharge times, the capacitor can be 
neglected so that the system becomes a 
standard, electrical, nonlinear RL circuit. 
Typical arc-current and voltage traces with 
and without short circuit switch (see Fig. 
la) are shown in Fig. 2 for the 10^-joule 
system.  The traces are essentially the 
same for the 10^-joule system except for 
magnitudes.  These systems are described 
in more detail in Refs. 2 through 5. 
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Traces without "and with Short Circuit 
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In general, energy is transferred from the 
electric power system to the flywheels in 
approximately 20 minutes, after which the 
kinetic energy is transformed to electrical 
energy via the unipolar generator.  The 
electrical energy is transferred to the 
storage coil in a charging period of approx- 
imately 6 sec and is discharged via the 

It is interesting to note that if a 
10^-joule system were discharged in 10 msec, 
the average power would be 10-^*^ watts.  At 
present, this power level practically equals 
the entire installed generating capacity of 
the Tennessee Valley Authority and repre- 
sents approximately five percent of the in- 
stalled generating capacity of the entire 
United States. 
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During development of the inductive power 
supplies several problems were encountered, 
one problem was switching the current from 
the charging circuit to the discharging cir- 
cuit (Fil- la).  This required transferring 
the currint from the main breaker S-1, which 
had a very low resistance, into the arc 
chamber, which had a high resistance^ In 
order to do this, a fuse was installed in- 
side the arc chamber to carry the total 
current for approximately 10 msec while the 
main breaker S-1 opened and deionized  This 
was done to prevent an arc ^estriking in the 
breaker and dumping the energy outside the 
arc chamber.  The fuse used initially con- 
sisted of silver-solder between the arcing 
tips of the electrodes (Fig. 3), however, 
complete melting of the fuse was required 
to draw the arc and resulted in high con- 
tamination of the test gas  To lo''«^ t^^ 
contamination, a magnetic fuse was designed 
(Fig. 3); the magnetic forces break the 
fusi in tension when it is heated to a pre- 
determined temperature.  Thus, very little 
melting occurs, and the arc is very quickly 
transferred to tungsten arcing ^^PS-  * 
comparison of the weight losses for both 
tvoes of fuses is shown in Fig. 3. By pro- 
p^?!? Choosing the fuse cross-sectional area, 
the desired holding time may be obtained ^ 
for a given current.  In addition to opera- 
tional flexibility, the magnetic f^J^e pro- 
vides increased freedom in electrode design 
and also is simpler to fabricate. 

Fig 3 Fuse Configurations Use in 
Inductance Energy Storage Systems 

Another problem encountered was that of 
predicting the electrical characteristics 
of the arc for different energy require- 
ments, arc-chamber configurations, electrode 
spaciigs, and initial test gas charge den- 
sities  From the experimentally observed 

Fig. 4 Resistance - Current 
Characteristics of High Current, 
High Pressure Arcs 

variation of arc resistance with current 
(Fig. 4), a semi-empirical theory for an 
inductance-driven arc discharge was 
developed.  The experimentally determined 
variation of arc resistance with current 
was found- to be 

•R = ai" (1) 

where a and n are empirical coefficients. 
Coefficient a was found to be a function 
of at least, arc-chamber geometry, elec- 
Sode arc gap, and initial charge density 
of the test gas.  A systematic variation 
of coefficient n was not detected, and n 
was assumed constant.  Substitution_of eq. 
(1) into the differential equation for an 
RL circuit with an initial value IQ of , 
current yielded the following normalized 
equations which describe the arc discharge: 

Arc Current 

i = i/io = (1 - nt) 
1/n 

Arc Voltage 

V = V/VQ = (i) 
1-n 

Energy Delivered to the Arc 2 
E = AE   /E„ = (1 - 1 ) 
^    arc o 

Arc Resistance 

R = R/RQ = i 

(2) 

(3) 

(4) 

(5) 

In Eqs. 2-5, t = t/To, where To = VRo and 
jj ^ a^/^n  Thus, when a and n are known, 
tge arc discharge characteristics are de- 
fined. A comparison of the experimental 
da^Ifrom both the 10?- and 10§-joule sys- 
tems with this semi-empirical theory is 
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shown in Fig. 5.  A plot of v vs i for 
these arcs (Fig. 6) shows a positive charac- 
teristic which is of interest since most of 
the data in the published literature show 
a negative VI characteristic for arcs.' 

Fig. 5 Comparison of Normalized Current, 
Voltage, Energy, and Resistance Charac- 
teristics of High Current, High Pressure 
Arcs to Experimental Data 

In still another effort to reduce con- 
tamination of the test gas, the use of a 
short circuit switch (Figs, la and 2) to 
control the duration of the arc discharge, 
combined with the development of a coaxial 
electrode arc chamber, led to a considerable 
reduction in contamination of the test gas. 
The details of this development work are 
given in Ref. 3.  Typical voltage and cur- 
rent traces with and without the short cir- 
cuit switch are shown in Fig. 2 for the 
lO'^-Joule system.  A drawing is shown in 
Fig. 7 of the short circuit switch, which 
is described in detail in Ref. 5. 

Fig. 6 Comparison of Normalized Voltage- 
Current Characteristic of High Current, 
High Pressure Arc to Experimental Data 

Fig. 7 Short Circuit Switch Used 
with lo'^-joule Inductance Energy 
Storage System 

These are but a few of several problems 
encountered in the development of suitable 
power supplies for arc-driven wind tunnels. 
Development is continuing to attain better 
and more flexible performance characteris- 
tics of the existing power supplies. 
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LOW-DENSITY FACILITY 

It was evident in J958 that although a number of low-density facilities existed in the country, none 

of them operated at high Hach numbers. And yet, in practice, the low-density conditions are unavoidably 

encountered at high Mocfi numbers, and, moreover, the theory indicates that it is a combination of high 

Mocfc number and low density which results in important viscous interaction effects. Hence, it was de- 

cided to proceed with the design and construction of o pilot, low-density, hypersonic wind tunnel.   It 

was realized that major components required for the construction of such a tunnel existed and that only 

a minimum of development work would be necessary to obtain a useful test facility. The construction of 

the VKF pilot, low-density, hypersonic wind tunnel started in 7959 and the tunnel began fo run in Julyl9(0. 

Tfce (design of the LDH tunnel, including some of the more important advances made, is here described. 

LOW-DENSITY, HYPERSONIC (LDH) WIND TUNNEL "L" 

By 

J. Leith Potter 

The tunnel here described was completed 
in July 1960, and since that date it has 
been used continuously for investigations 
of low-density, high Mach number flows and 
various aspects of tunnel design.  The 
aerodynamic investigations are separately 
dealt with (see page 21); a description of 
the wind tunnel is given, together with 
some experimental results relating directly 
to the tunnel design; 

Test Section- 

Arc Heater 

Controls -\ 

Probe Drive 
Jet Ejector 
System 

Power 
Supply 

Controls^      ^CableTray     ^Cooling Systems 
.    and Piping       ■—>—• 

0 12 24 
inches 

Fig.   1    AEDC-VKF-LDH Tunnel with 
Major Components  Identified 

TUNNEL L 

This is a continuous-type, arc-heated, 
ejector-pumped design first described in 
Ref. 1.  Figure 1 shows a simplified, 
elevation view of the tunnel, and Figs. 
2 and 3 are photographs of the tunnel.  The 
major components are (1) d-c arc-heater of 
the constricted, non-rotated arc type, with 
a 40-kw power supply; (2) settling section 
of variable length but normally about 6-in. 
long and 3 in. in diameter; (3) aerodynamic 
nozzle of varying design with O.lO-in.-to 
0.75-in.-diam throat and up to lO-in.-diam 
exit; (4) a tank 48 in. in diameter sur- 
rounding the test section and containing 
instrumentation and probe carrier; (5) in- 
terchangeable diffuser; (6) air-ejector of 
two stages; and (7) the VKF vacuum pumping 
system.  All critical components of the 
tunnel are protected by back-side water 
cooling.  The two-stage ejector system is 
driven by air instead of steam because of 
the ready availability of the former and 
the expense of providing a steam supply. 
This tunnel has proved highly satisfactory, 
always yielding excellent repeatability of 
data. 

Fig. 2 AEDC-VKF-LDH Tunnel 
from the Operator's Side 

Fig. 3 Arc-Heater and Settling 
Chamber of AEDC-VKF-LDH Tunnel 
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Nitrogen Argon 

7.0-29.4 0.5-6.4 

740-2130 280-960 

2300-7200 2300-7700 

4.8-10.8 3.7-16.1 

300-3500 270.0-4700 

35.0-1140 14.0-1080 

.002-0.058 0.002-0.057 

0.2-1.2 0.5-1.5 

The working gas normally is nitrogen or 
argon, although other gases may be used. 
Typical ranges of operating variables with 
heated flow and presently available nozzles 
are given in Table 1. 

Table 1 

LDH Tunnel Operating 
Conditions with Arc-Heater 

Total pressure, psia 

Total enthalpy, Btu/lb 

Total temperature, °R 

Mach number 

Unit Reynolds number, 
free stream, in.'l 

Unit Reynolds number 
behind normal shock, in."^ 

Mean free path, free stream, 
billiard-ball gas model, in. 

Uniform flow core diameter 
at test section, in. 

Reservoir conditions have been estab- 
lished on the basis of measurements of total 
pressure, mass flow rate, and nozzle throat 
area.  The total enthalpy computed from 
knowledge of these quantities has been 
verified by calorimeter measurements giving 
directly the total enthalpy downstream of 
the nozzle throat (Refs. 1-3). 

Test section conditions have been estab- 
lished on the basis of measured or calcula- 
ted reservoir conditions and determination 
of the existence of an inviscid core flow 
along the nozzle plus measurements of im- 
pact pressure, local mass flow rate, static 
pressure, and local total enthalpy (Refs. 1- 
3).  These have been supplemented by meas- 
urements of drag and heat transfer which 
yield indirect verification of the calibra- 
tion when compared to other experimental 
and theoretical data.  Theoretical analysis 
of molecular vibrational relaxation (Ref. 4) 
has been relied on for final interpretation 
of experimental measurements.  On this 
basis it is considered that molecular vi- 
bration is frozen at all stations down- 
stream of the nozzle throat when nitrogen 
is the medium. 

A typical calibration measurement of 
total enthalpy is compared with the computed 
total enthalpy in Fig. 4, and typical nozzle 
flow surveys are shown in Fig. 5.  It will 
be noted that the usable, uniform test sec- 
tion core diameter is about 0.8 in. in this 
example.  Computed boundary-layer thickness- 
es (Ref. 5) are compared with corresponding 
experimental data in Fig. 5; good agreement 
is evident. A photograph of a local total 
enthalpy probe is shown in Fig. 6, and data 
from the probe are presented in Fig. 7 where 
it will be noted-that the measurements are 

in good agreement with the flow model 
assumed for calculating theoretical total 
enthalpy.  Figure 8 contains data obtained 
by use of a local mass flux probe, and 
there, too, it will be observed that meas- 
ured and theoretically estimated values are 
in satisfactory agreement. 

Fig. 4 Total Calorimeter Results 
for 8-in.-Long Stilling Chamber 

Fig. 5 Typical Results of Transverse 
Surveys at Various Axial Stations in 
the LDH Tunnel Conical Nozzle (Total 
Angle = 30 deg)(The edge of the bound- 
ary layer as computed from Ref. 5 is 
indicated by —6 at each station. 
Nozzle radius at X—0.3 in. is 2.84 in.' 
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Fig. 6 Photograph of Local Total- 
Enthalpy Probe in Hypersonic Argon Flow 

Fig. 7 Results from Local Total- 
Enthalpy Probe in the Low-Density, 
Arc-Heated Tunnel 

Fig. 8 Comparison of Measured and 
Calculated Local Mass Flux, p„U^ 

DIFFUSER STUDIES 
Only a preliminary investigation has been 

reported at this date, but a more complete 
report is in preparation.  The result of the 
earlier study is of utmost value in connec- 
tion with the design of low-density, hyper- 
sonic tunnels because it offers clear proof 

of significant pressure recovery from dif- 
fusers in low-density, hypersonic tunnels. 
Inasmuch as this has been reported in Ref. 
1, no details are presented here.  The pres- 
sure recovery is not comparable with that 
achieved in tunnels operating at high pres- 
sures, being only approximately ten percent 
of normal shock recovery at a Mach number 
of 10.5 for the present Tunnel L diffusers. 
However, this represents a factor of roughly 
four in the tunnel exit pressure which the 
pumping system must produce.  The saving in 
cost of the pumping system is obvious. 

OVEREXPANDED NOZZLE OPERATION 

In the past it has been customary to 
provide sufficient vacuum pumping to enable 
the nozzle of the usual open-jet, low- 
density tunnel to exhaust to a pressure 
equal to the static pressure at the exit 
plane of the nozzle.  The Tunnel L nozzle is 
operated with an overexpansion to test 
section static pressure varying from one to 
one-fifth of the pressure in the large tank 
surrounding the nozzle exit.  The suitabili- 
ty of this arrangement has been established 
by flow surveys (Ref. 6).  The diffuser and 
overexpansion together allow pressure at the 
entrance of the ejector system to be fifteen 
to thirty times as great as static pressure 
in the test section of the nozzle.  Again, 
the saving in cost of the pumping system 
is significant. 
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HYPERVELOCITY RANGES 

Work on devtiopmeni of hypervelocity range techni<jues has been proceeding in fhe VKF since J957 
in preparation for operafion of the 1000 ft range,  now being activated.   In the field of launchers it has 

resulted in construction of practical, high performance, light has guns and in the development of advanced 

design methods for this type of launcher.   Introduction of powder heated hydrogen propellent in preference 

to the helium and steam formerly used was a significant step in this work.   Instrumentation developments 

have included original Fresnel lens shadowgraph systems for operation at 30 kft/sec, microwave and model 

telemetry measuring methods,  etc.   The more significant results of these activities are treated in the two 
contributions which follow. 

DEVELOPMENT OF LAUNCHERS FOR AEROBALLISTIC AND IMPACT RANGES 

By 

W. B. Stephenson 

PERFORMANCE 

Since 1959, various types of single- and 
two-stage, light-gas model launchers have 
been developed in the VKF for aerodynamic 
and impact testing.  The first of these was 
a single-stage, 40-mm launcher which used a 
combustible mixture of hydrogen and oxygen 
to heat helium.  This launcher was in a con- 
figuration which had been designed by the 
Naval Ordnance Laboratory.  The computation 
of its performance is described in Ref, 1. 
Velocities up to about 15,000 ft/sec were 
obtained with a 40-gm projectile. 

Another early development effort in the 
VKF was directed toward the use of electric 
arc heating of the light-gas propellant. A 
20-mm launch tube was used with the arc 
chamber, and a maximum velocity of about 
13,000 ft/sec was achieved with a 4-gm pro- 
jectile.  In Ref. 2, the difficulties in- 
herent in arc heating, owing especially to 
the contamination of the propellant, are 
described, and experimental results are 
given.  It was concluded that the simple 
arc heating method is not feasible for 
obtaining high launch velocity. Figure 1 
shows some of the results of experiments 
demonstrating the loss in velocity as the 
contamination level increased.  As the helium 
density decreased, the temperature and theo- 
retical velocity increased.  However, the 
experimental velocity decreased because of 
the rapid increase in material loss from 
the arc chamber. 

Early in 1960, experiments were begun 
with a two-stage launcher based on a con- 
figuration used at the Ames Research Center 
(Fig. 2). With this arrangement, a plastic 
piston one to four diameters long is driven 
through the pump tube by hydrogen compressed 
by smokeless powder in the chamber.  Ahead 
of the piston, the propellant hydrogen is 
compressed to about 20,000 atm by exchange 
of kinetic energy from the piston to the 
propellant.  The projectile starts to move 

Experimental Velocity 
Theoretical Velocity 

Contaminant Mass 
Total Propellant Mass 

Ttieoretical Temperature after Arc Heating 

ICIOOCPK        SOOCPK 

Helium Density, p/p   (p   • 0.01017 IWM 

Fig. 1  20-mm Electric Launcher 
- Contamination and Its Effect 
on Launch Velocity (Ref. 2) 

when the shock generated by the piston motion 
arrives at the end of the pump tube. Later, 
the high pressure that arrests the piston is 
transmitted down the launch tube to acceler- 
ate the projectile to high velocity. 

A systematic analytical-experimental pro- 
gram was started (Refs. 3 and 4) to develop 
methods of computing the performance of two- 
stage launchers and of designing them for a 
specified performance.  Reference 4 gives 
the design optimization procedure used for 
the large launcher for the VKF 1000-ft range, 
which is now being put into service (Figs. 
3 and 4).  The above studies led to the con- 
clusion that useful improvement in launch 
velocity could be achieved by preheating 
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Fig. 2 Typical VKF 
Two-Stage Launcher' 
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\ ^Primer 
^—Breecn Plug 

^Projectile 

the propellant. A heating system was built 
and tested with the result that the velocity 
of an experimental launcher was increased 
from 27,500 to nearly 30,000 ft/sec at the 
same maximum pressure by doubling the pro- 
pellant initial temperature (Fig. 5).  These 
results are reported in Refs. 5, 6, and 7. 
The estimated effects of propellant pre- 
heating are shown in Fig. 6 for one of the 
VKF small launchers.  Included also are the 
effects of projectile restraint. An un- 
restrained projectile is assumed to accelerate 
as soon as the first shock impinges on its 
base, whereas a restrained one is capable of 
resisting the first reflected shock pressure. 
It is apparent that the velocity gains de- 
crease as the temperature increases.  This 
effect is produced by heat losses and con- 
tamination, the maximum effective preheating 
temperature being limited to about 1000°K. 

Fig. 3  1000-ft Hypervelocity Range 

High Pressure / Uunch 
i              Powiler/              Seclion-y   / Tude, /-RangeBlast 

Breech Assembly     /-Charilier     r Pump Tube    / /              / / Chamber 

-U.   / .-.(..   /          -//-. / /r— 

Fig. 5 Two-Stage Launcher - Effects 
of Maximum Pressure and Propellant 
Temperature on Launch Velocity (Ref. 6) 

Fig. 4 8- by 2.5-in. Two-Stage Launcher 

Fig. 6 0.5-cal Two-Stage Launcher - 
Calculated Performance at 20,000 atm 
Maximum Pressure with Heating and 
Projectile Restraint 
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Reference 8 presents performance calcu- 
lations and experimental results for a small 
powder-driven launcher used in impact testing, 
and Ref. 9 gives some additional information 
on the effect of launch tube length (up to 
400 calibers) on velocity for this launcher 
(Fig. 7). 

30 

0             
O                 —^" 

2  ^^ 
^,--'0''^°       ^Calculated 

QJ 

/^ 

#20 
O 

> 

0 Experimental 

c 

™   15 

10 1                i                i                :                1 

)             100            200            300            400           500 

Launch Tube Length, calibers 

Fig. 7 0.3-cal Powder-Driven Two-Stage 
Launcher - Effect of Launch Tube Length 
(Ref. 9) 

HIGH PRESSURE SECTION DESIGN 

To achieve high velocities, it is neces- 
sary that quite high pressures (over 200,000 
psi) be contained in the high pressure sec- 
tion and in the initial portion of the launch 
tube.  In the course of the experimental pro- 
gram it was found that during the firings 
the ID of the high pressure section would 
grow.  Figure 8 shows some of the measured 
diameters during a series of shots using a 
6-in.-0D high pressure section (Ref. 6). 
The performance of the gun did not seem to 
deteriorate even though the ID of the nominal 
1.58 in. section had grown above 1.75 iii. , 
with the piston apparently swelling and fill- 
ing the increased diameter. This, then, indi- 
cated that, if necessary, the high pressure 
sections could be used to the full overstrain 
pressure (the pressure at which plastic flow 
reaches the outer wall) and perhaps even 
beyond. 

The curves of Fig. 9 indicate the relative 
magnitudes of the pressures which can be con- 
tained by purely elastic behavior and by 
allowing the plastic flow to progress to the 
outer wall.  Shrink fit of two concentric 
cylinders allows higher operating pressures 
than does a monobloc cylinder, but at pres- 
sure levels well below the overstrain value. 
The connections to the high pressure section 
are made far enough uprange and downrange of 
the maximum pressure region so that the seals 
do not experience pressures over 100,000 psi, 
a pressure which can be accommodated by con- 
ventional sealing methods.  The inside of 

the high pressure section can be made with 
a taper which corresponds to an inversion of 
the expansion expected at the overstrain 
pressure, so that after stressing, the inside 
diameter is almost constant. 

It should be noted that a constant yield 
stress throughout the wall is assumed in the 
equations for calculating the overstrain 
pressure, and that the elongation of the 
material has to be sufficient to allow the 
radial growth.. When the wall thickness of 
a material such as SAE 4340 is over 3 in., 
it is difficult to heat treat uniformly, and 
a multi-layer construction with some shrink 
fit between sections becomes desirable.  The 
shrink fit increases the over-strain pressure 
only slightly.  To allow sufficient elonga- 
tion and to maintain high impact strength, 
it has been found necessary to keep the hard- 
ness of the SAE 4340 or H-11 type materials 

Fig. 8 Growth of Bore of 
High Pressure Section 

Fig. 9 Comparison of Internal 
Pressure Capability for Different 
Construction Methods 
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below a Rockwell "C" hardness of 40,  This 
hardness usually gives a yield strength near 
185,000 psi, and with an outside-to-inside- 
diameter ratio of 5, the maximum operating 
pressure is 350,000 psi. 
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HYPERVELOCITY RANGE MEASURE/VENTS 

By 

P. L. Clemens 

SHADOWGRAPH SYSTEM 

In the VKF 1000-ft Hypervelocity Range, 
a multi-station shadowgraph system will pro- 
vide data correlating projectile position , 
and attitude with time. A severe set of 
performance requirements dictated the design 
of these shadowgraphs.  In addition to the 
customary criteria demanding brief (i.e. 
submicrosecond) exposure duration and large 
field of view, the shadowgraphs were required 
to be impervious to the effect of the self- 
luminous shroud of gases enveloping the pro- 
jectile.  The use of ultra-high-speed shut- 
ters (e.g., Kerr cells or Faraday shutters) 
was to be avoided in order that the cost of 
the shadowgraphs not be excessive, and this 
meant that flash source intensity and optical 
efficiency had to combine to "overpower" the 
effect of the self-luminosity of the pro- 
jectile.  Otherwise, a meaningless smear of 
light would appear across the shadowgram, 
masking whatever projectile image the light 
source might have made latent. Extremely 
intense light sources tend inherently to be 
long duration sources, and a compromise here 
is difficult to achieve. 

It was considered desirable that the bulk 
of the shadowgraph equipment be located out- 
side the range tank to reduce its vulnera- 
bility to destruction by wayward projectiles 
and to facilitate its maintenance.  The need 
for high optical efficiency implied that 
refocusing optics were required, and this 
requirement, together with that for a large 
view field, seemed to demand either the use 

of large mirrors within the range or of 
large windows or both. Either of these 
alternatives would have run contrary to the 
desire that costs be kept low. 

The solution which was chosen involves 
the use of simple, inexpensive, plastic 
Fresnel lenses in a design (Fig. 1) proven 
in the VKF 100-ft Hypervelocity Pilot Range. 
(Reference 1 presents a detailed analysis 
of the optics of this shadowgraph.) A spark 
light source of 1/10-microsecond (usec) du- 
ration provides the illumination which sil- 
houettes the projectile against the Fresnel 
lens. With the exception of the 41-in.- 
diam Fresnel lenses, all shadowgraph com- 
ponents are located outside the range tank, 
relieving their vulnerability and facili- 
tating their maintenance.  Surveyed fiducial 
indices inscribed on each lens encasement 
serve as references in assessing projectile 
position and attitude. Although the optical 
quality of the Fresnel lenses is not great, 
resulting shadowgrams (Figs. 2a and b) yield 
adequate data.  (It is intended that flow 
visualization be provided by a single, high 
performance schlieren system.) 

Regardless of the quality of the optics, 
the shadowgraph is useless unless the 1/10- 
lisec spark discharge of the point light 
source coincides with the arrival of the 
projectile within the field of view of the 
shadowgraph.  In systems of ordinary design, 
recognition of the projectile and triggering 
of the spark source is done photoelectrically 
by a light screen device. An electric r^oto- 
detector and a light source face one another 
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Spark Source 
030-in. Source Diameter 
0.12-Msec Duration      !?,np» 
'\   0.672 joule 

)^        3D-in.-tJiam 
/%>v.   View Field — 

\ Fresnel 
\ Segmenting 

resnel Lens   200 Segments 

\JDS   |P-'-^ 

8x10 Camera   t—1 
Lens f/2.5-178 mm 

Components Shown on One Axis Only 

Fig. 2a Hypervelocity Range Shadow- 
graph; 40-min, 0.5-cal Cylinder at 
11,500 ft/sec; 20-mm Hg Range Pressure 

Spark Source Detector 

Fresnel Lens'—-* »—Camera 

Installation Shown Is Typical of 43 Stations 

Fig. 1 Fresnel Lens Shadowgraph 
Configuration 

Fig. 2b Hypervelocity Range Shadowgram; 
0.5-in., 0.5-cal Cylinder at 26,200 ft/sec; 
1.5 mm Hg Range Pressure 

from opposite sides of the trajectory. As 
the projectile passes between the detector 
and the source, the detector is partially 
shaded and its electrical output pulse 
triggers the discharge of the shadowgraph 
spark source.  This conventional light 
screen system has several severe disadvan- 
tages . 

First, the continuous light source which 
illuminates the detector must be ripple- 
free if variations in illumination intensity 
are not to be mistaken by the detector for 
passing projectiles. 

Second, if a large field of view is to 
be covered and small projectiles are used, 
shading of the detector by the projectile 
becomes minute, and the signal-to-noise 
ratio of the detector limits its ability to 
recognize passing models. 

Third, light from the continuous source 
exposes the film in the cameras used in the 
shadowgraph. This occurs because camera 
shutters are left open throughout the flight 
of the model, and shadowgraph exposure is 
limited only by the duration of the spark 
source output. To prevent fogging of the 
film by the continuous source, elaborate 
baffling becomes a requirement, and the 
light screen detector must be located up- 
range from the shadowgraph.  This introduces 
another complication in that delay circuits 
must be used, and projectile velocity must 
be anticipated so that the shadowgram ex- 
posure will be properly synchronized. 

Fourth, at high velocities the gas around 
the projectile is self-luminous.  The in- 
tensity of this self-lvnninous glow may equal 
or exceed that of the continuous source 
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which is viewed by the detector; hence, this 
glow is ill-suited to casting a shadow.  By 
increasing the intensity of the continuous 
source to accommodate variable luminosity, 
the saturation limit of the detector is ap- 
proached, and the sensitivity of the detec- 
tor suffers. 

An improved projectile detector system 
which overcomes these difficulties has been 
developed within the VKF. A transistorized 
detector (Fig, 3) views the darkened wall of 
the range beyond the model's trajectory. 
(A complete description of the circuitry of 
this detector is found in Ref. 2). As the 
projectile with its self-luminous shroud 
enters the view field of the detector, it 
is recognized and a pulse is generated which 
triggers the spark source.  Darkening of 
the range wall opposite the detector ensures 
that no stray light, as from the muzzle blast, 
will be reflected into the detector.  Since 
the detector views a dark field rather than 
a light screen, it is located to coincide 
with the shadowgraph, and no delay circuit 
is required nor is the film in the camera 
fogged by exposure to a continuous source. 

Fig. 3 Luminosity Detector 

The luminous intensity of the gaseous 
flow which cloaks the projectile diminishes 
as projectile velocity decreases.  Self- 
luminosity is also lessened as the projectile 
encounters atmosphere of decreasing density. 
Thus, there will be a velocity-density pro- 
file at which a dark-field detector will 
fail to recognize passing projectiles. 
Typical range of operation of a dark-field 
detector is shown in Fig. 4 in terms of ambi- 
ent density and projectile velocity. 

Although the shaded operating region of 
Fig. 4 accommodates the vast majority of 
test circumstances, infrequent occasions 
arise when combined projectile velocity and 
range density fall outside this zone.  In 
these instances, a light screen detection 
system serves.  Use of red lamps with blue 
camera filters and the application of careful 
baffling attenuates the"effect of the detector 
source light on resulting shadowgrams. 

TELEMETRY FOR AEROBALLISTIC RANGES 

Conventional experimental techniques used 
in aeroballistic range testing provide only 

those measurements which can be made by 
external observation of the aerodynamic pro- 
jectile and its flow field.  The usefulness 
of the aeroballistic range for aerodynamic 
tests would be significantly increased if, 
in addition, direct measurements of model 
surface pressures, temperatures, and heat- 
transfer rates could be made.  It is with 
the view of achieving this goal that methods 
of telemetering from models launched into 
a variable density range have been under 
development in the VKF during the past few 
years (Refs. 3-6). 

Development of a telemeter suitable for 
application to aeroballistic range work is 
riddled with difficulties, the most serious 
being small size and extreme acceleration 
during launching.  A telemeter-equipped 
model may have to withstand structural loads 
resulting from application of nominal pres- 
sures up to 200,000 psi; under these severe 
conditions, it must preserve not only its 
structural integrity but also its calibration. 

To facilitate the evaluation of test 
results during the early phases of develop- 
ment, it was considered desirable that the 
telemetered variable should lend itself well 
to static calibration, and also that it 
should be one for which in-flight theoretical 
values might readily be determined. Of all 
variables considered, stagnation pressure 

Fig. 4 Operating Region 
of a Dark-Field Detector 
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appeared most nearly to fulfill these re- 
quirements (Ref. 4).  For convenience, 
simple cylindrical models (Fig. 5) are used 
for telemetry development. 

Fig. 5 Pressure Telemeter 
and Body Shell 

The telemeter circuit in current use 
appears in Fig. 6. The nominal center fre- 
quency for this modified Colpitts FM oscil- 
lator is 150 mc.  The variable capacitance 
pressure transducer has a quiescent value 
of 3 pf, and full-scale pressure excursions 
alter its capacitance to produce a shift in 
the r-f signal of 600 kc. Transducers ac- 
commodating full-scale pressures of 0.3 to 
100 psia have been constructed, and tests 
involving their use are now in progress. 

Fig. 6 150-mc Telemeter Circuit 

Typical data telemetered from a model in 
flight through a range at atmospheric pres- 
sure appear in Fig. 7. The nominal peak 
acceleration experienced by the model during 
launching in this case was 215,000 g.  Te- 
lemetered stagnation pressure data are com- 
pared with corresponding theoretical pressure 
values.  The notch-like depression in the 
pressure data resulted from the flight of 
the projectile through a helium-filled, in- 
flight calibration chamber (Ref. 5).  The 
data telemetered dviring this flight differed 
from the theoretical CTirve by some 18 percent 

of full-scale pressure.  The amplitude of 
the excursion in telemetered pressure, corre- 
sponding to the flight through the helium- 
filled calibration chamber, reveals that 
sensitivity of the telemeter in flight dif- 
fered by 11.6 percent from that established 
during static calibration before launching. 

Tests made with telemeters which did not 
contain transducers have shown that the 
telemeters continue to function in flight 
after launching at nominal peak accelerations 
up to 560,000 g.  It has become evident 
that, at present, the transducer is the most 
limiting single component within the pressure 
telemeter (Ref. 6). 

Fig. 7 Comparison of Theoretical 
with Telemetered Data 

PROJECTILE KINEMATICS 
WITHIN LAUNCHER BARRELS 

The kinematic behavior of projectiles in 
launcher barrels and of free pistons in 
pump tubes is of great interest in the de- 
velopment of hypervelocity range launchers 
and radio telemeters. An assortment of 
instrumentation systems has been used by 
various investigators in attempts to obtain 
data describing projectile kinematics. 
Crusher switches have been installed at 
stations along the length of launcher bar- 
rels to indicate arrival of the projectile 
at a few discrete positions. The use of 
similarly disposed pressure transducers has 
been tried. Attempts have also been made 
to infer interior ballistics from barrel 
strain measurements.  Shortcomings are evi- 
dent in each of these schemes. Crusher 
switches require modification of the barrel. 
They usua,lly have low reliability, absorb 
energy from the projectile, and present the 
risk of damage to the round. Pressure meas- 
urements also require barrel modification. 
Like crusher switches, they limit kinematic 
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data to the few stations at which trans- 
ducers have been installed.  In addition, 
they introduce the considerable inconvenience 
of time-lag in pressure transducer response. 
Little needs to be said of the complications 
in dynamic loading of structures which must 
be considered if barrel strain measurements 
are to be exploited as a means of determining 
projectile velocities and accelerations 
during launching. 

There is remarkable similarity between 
the ordinary launcher barrel with its pro- 
jectile and the classical cylindrical wave 
guide with a movable shorting stub.  This 
similarity suggests microwave reflectometry 
as an attractive means of measuring pro- 
jectile kinematics.  Barrel modification in 
most cases is limited to the installation of 
a single, simple antenna.  Projectile posi- 
tion data are taken continuously rather than 
taken only at discrete barrel stations. 
Frequency response of microwave apparatus 
is more than sufficient to accommodate the 
launcher velocities encountered. 

The results obtained from the microwave 
reflectometer system when used to instriiment 
both 20- and 40-mm barrels have been quite 
satisfactory (Refs. 1 and 7).  Figure 8 
indicates the time history of projectile 
displacement during a firing of a 40-mm, 
single-stage, cold-gas gun.  The broken 
curve indicates the fitting of a computed 
expression to the empirical data. The value 
of peak acceleration, found by double dif- 
ferentiation of the equation for the computed 
curve, agrees within some 8 percent with 
results obtained using another method. 
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INSTRUMENTATION 

It is a truism to stofe that an experrmenfo/ test facility is never better than the instrumentation with 

which it is equipped. Recognizing this, a considerable effort has been devoted in the VKF to development 
of instruments and data handling systems, particularly for application to advanced types of wind tunnels 
and specialized measurements for which commercially produced instruments are not available. In fact, 

some of the transducers, originally developed in the VKF, have been eventually produced commercially 
and are being used in many domestic and foreign laboratories. Some highlights of the VKF instrumentation 

activities are described in this section. 

DYNAMIC STABILITY MEASUREMENTS 

By 

L K. Ward 

The stability of a dynamic system, such 
as a vehicle in flight, is determined by 
its static and dynamic characteristics. A 
vehicle is statically stable if the forces 
and moments caused by a disturbance (such 
as, e.g., entry into atmosphere at a large 
angle-of-attack attitude) tend to bring it 
to its equilibrium attitude; it is dynami- 
cally stable if its response is damped, 
i.e., the amplitude of the motion decreases 
with time. 

Two techniques are used in VKF to meas- 
ure dynamic damping of models in wind tun- 
nels.  The free-oscillation technique in- 
volves displacing the model to some initial 
amplitude, releasing it, and monitoring the 
ensuing oscillatory motion.  Damping data 
are then obtained by determining the log- 
arithmic decay of amplitude with time. The 
forced-oscillation technique consists of 
oscillating the model at a constant ampli- 
tude, whereby the forcing torque required 
to sustain the oscillation is monitored. 
The forced-oscillation balance systems in- 
clude an amplitude controller which pro- 
vides positive amplitude control for test- 
ing both positively and negatively damped 
configurations. 

Dynamic test data, obtained with either 
of the two methods, are converted into a 
digital form by a Beckman 210 analog-to- 
digital converter and recorded on a mag- 
netic tape, which is then processed by an 
IBM 7074 computer to obtain dynamic sta- 
bility coefficients.  This automatic data 
handling system provides test results 
quickly and with a high degree of precision. 

Development of dynamic stability balance 
systems and associated equipment began in 
VKF in 1956 for use in supersonic wind tun- 
nels (Refs. 1, 2, and 3).  In order to ap- 
ply these systems to tests in hypersonic 
wind tunnels (Mach 8 and 10), the problems 
of balance cooling and of measiorement of 
usually small aerodynamic damping at hyper- 
sonic Mach numbers had to be resolved. 

Cooling of balance systems was satis- 
factorily achieved with the use of water 
jackets on the basic sting assembly; how- 
ever, the forward section of the balance 
could not be water cooled since water pass- 
ing across the pivot axis would introduce 
additional tare damping into the system. 
This problem was resolved by the use of 
high pressure air sprays in the region of 
the model attachment bulkhead, as indicated 
in Fig. 1; the sprays are operated when 
data are not being obtained. 

Wodel Attachment Bulkhead 

Water Cooling 

Air ipray 
Coolinq 

Fig. 1 Cooling of Model Balance Systems for 
Hypersonic Dynamic Stability Measurements 

The problem of the precision of measure- 
ments at hypersonic speeds is illustrated 
in Fig. 2.  At the higher Mach numbers the 
aerodynamic damping becomes a very small 
percent of the total damping as measured 
with the cross flexure balance system. 
Since the aerodynamic damping is obtained 
as a difference between total damping and 
tare damping precise evaluation of the sys- 
tem tare damping is required.  It should be 
pointed out that Fig. 2 relates to a bal- 
ance with 45-deg cross-flexures at the 
pivot axis which has very low structural 
damping. 
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Fig. 2 Aerodynamic Damping Measurements 

Incidentally, it is interesting to note 
in Fig. 2 the magnitude of the still-air 
tare present.  If the tare value of the 
system were not evaluated under vacuum con- 
ditions, the still-air tare would appear 
as aerodynamic damping, thus giving large 
errors at the higher Mach numbers. 

In spite of the difficulty indicated in 
Fig. 2, a considerable amount of dynamic 
stability data has been obtained by VKF at 
Mach numlDers up to 10, using conventional 
balances with cross-flexure pivots. More 
recently, as a result of continuing effort 
to reduce tare damping, a gas (nitrogen) 
bearing was developed in VKF (Ref. 4) for 
use in free-oscillation type balances at 
supersonic and hypersonic Mach numbers. 

With this type of pivot the tare damping 
is extremely low; for the particular model 
shown in Fig. 2, it is negligible even at 
Mach 10, as indicated on the right of the 
figure. 

The nitrogen bearing can be used with 
either sting- or transverse-rod supported 
systems.  A special angular displacement 
transducer (see page 77) has been developed 
in VKF for use with the freely oscillating 
balances. 

At this time, dynamic damping data can 
be obtained in VKF in the Mach number range 
from 1.5 to 10 at oscillation amplitudes 
up to ±180 deg. Work is now in progress 
on a balance system designed for use in the 
50-in. Hypervelocity Tunnel (H) (see page 
52) in the Mach 20 rflnge. 
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TRANSDUCERS 

By 

D. S. Bynum 

TRANSDUCERS FOR HOTSHOT TUNNELS (Ref. 1) 

REQUIREMENTS 

The hotshot-type tunnels impose several 
unique and severe requirements on transducers 
used to measure the parameters of interest. 
One is the rejection of electrical noise, 
both electrostatic and electromagnetic, which 
results from the high currents and voltages 
of the arc discharge.  (Careful shielding 
and grounding, and the use of low impedance 
circuits are necessary to reduce the electri- 
cal interference to a negligible level.) 
Another requirement is the time response. 
In general, 10 to 20 msec are required for 
the test section flow to be established, and 
the usable flow lasts for about 40 msec.  At 
the termination of the usable flow, severe 

turbulence is encountered with the test sec- 
tion pressure increasing as much as an order 
of magnitude. Model pressure, heat-transfer 
rate, and force transducers must have a suf- 
ficiently high frequency response to follow 
the flow rise time and sufficiently low fre- 
quency response to follow the quasi-steady 
conditions of the remainder of the run. 
Model and test section pressures range from 
0.001 to 3 psia full scale, whereas typical 
arc-chamber pressures range from 10,000 to 
20,000 psi. Heat-transfer rates from one 
to several hundred Btu/ft^-sec are encoun- 
tered.  Stagnation temperatures of 2,500 to 
4,000°K are typical.  Forces of less than 
one pound to more than 50 lb (in special 
cases) are imposed on the force transducers. 
Since the pressure transducers must be placed 
inside the model because of the time response 
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problem, transducer size becomes a limitation. 
Heat-transfer rSite and force transducers must 
also fit inside the test models. A 3-in. 
base diameter, 9-deg half-angle cone model 
might require as many as 25 pressure and 
heat-transfer transducers. 

Transducers capable of meeting these re- 
quirements were not commercially available 
when the first hotshot tunnel began operation 
in the late 1950's.  Some are now on the 
market as a result of AEDC-VKF transducer 
development. 

PRESSURE 

For arc-chamber pressure measurements, a 
strain-gage, pressure-vessel-type transducer 
has been developed. A cross-sectional view 
is shown in Fig. 1.  Because of the high 
voltage developed between the arc chamber 
(where the transducer is mounted) and elec- 
trical ground, it is necessary to electri- 
cally isolate the transducer from its re- 
spective carrier amplifier by transformers 
in both the transducer power and signal 
leads. 

Fig. 1  Arc-Chamber Pressure Transducer 

For model and test section pressure 
measurements, a variable-reluctance trans- 
ducer has been developed.  Typical trans- 
ducer signal levels are 25 to 100 mv for 
5-v, 20 kc excitation.  The transducer is 
used in three configurations (see Fig. 2): 
(1) a standard wafer transducer (with mild 
steel case) for full-scale pressures from 
0.05 to 3 psi (Ref. 2), (2) a low pressure 
wafer (same design as (1) but with an Invar 
case) for pressures from 0.001 to 0.1 psi, 
and (3) an acceleration-compensated fast 
response configuration for low pressure 
where model vibration adversely affects the 
uncompensated transducers and/or a shorter 
rise time is desired.  The time response of 
the three configurations plotted versus 
absolute pressure is shown in Fig. 3.  This 
is the result of much trial and error devel- 
opment of internal volume and shape of the 
transducers.  Obviously, a reduction in 
internal volume should result in a shorter 
rise time. As this was carried to an ex- 
treme, an orifice was formed at the junction 
of the port and diaphragm.  Potting (Meniscus 

Fig. 2a Wafer Transducer Configuration 

Note: Pressure Ports on Acceleromeler are Attached to 

Zero Pressure Dilferenliai in tfie Accelerometer 
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Vibration                                                  ,'     ■          U'.-M.'                      '                 t 
•  V                       ,               1'  -1!                tt---5                                        .    .1 

Model-     Rubber Mount and Seal •    —0.200—- 

, 0.225 ^S-Pressure Port 

Dimensions are in incties. 

Fig. 2b Acceleration Compensated 
Transducer Configuration 

potting, see Fig. 2) to form a circular 
channel around the wafer transducer and 
radial grooves in the fast response trans- 
ducer shortened the response time as compared 
to the minimum volume configurations. 

In the course of development of the low 
pressure wafer gage, a considerable change 
in sensitivity was noted when the absolute 
pressure level inside the transducer was 
changed from 1 atm down to a few thousandths 
of 1 psia. After a rather tedious investi- 
gation, it was found that the coil potting 
epoxy was defective.  This allowed the coll 
geometry to change with pressure which in 
turn changed the transducer sensitivity. 
More rigid potting corrected the difficulty. 

Fig. 3 Transducer and Associated 
Instrumentation Response Time 
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The acceleration-compensated transducer 
and its related instrumentation must be 
adjusted to cancel the effects of model ac- 
celeration in the data recordings.  This is 
done by mounting the model in the tunnel, 
pumping the tunnel down to a few |i Hg, and 
then shaking the model with an eccentric 
weight on a motor shaft. Amplifier gain 
adjustments are then made so that the out- 
puts from the transducer and its acceler- 
ometer exactly cancel.  This procedure was 
first attempted with the.tunnel at 1 atm 
and with the pressure transducer sensitivity 
set at 0.001- to 0.005-psi full scale.  The 
signals never exactly cancelled, and very 
little compensation was achieved during the 
tunnel run.  The trouble was found to be 
caused by the acoustics of the tunnel and 
the model pressure generated by the model 
motion. Evacuation of the tunnel produced 
good cancellation during the compensation 
adjustment and also good compensation during 
the tunnel operation (Ref. 7). 

HEAT TRANSFER 

Several types of transducers for measuring 
heat-transfer rate have been tried in the 
hotshot tunnels.  The best results have been 
obtained'from a calorimeter gage using a 
thermocouple temperature sensor, commonly 
called a thermocouple heat-transfer gage 
(Ref. 3 and Fig. 4). Even though the 

principle of this transducer is an old one, 
considerable development was necessary to 
overcome the calorimeter heat loss problem 
so that simple calorimeter theory could be 
used in the data reduction.  Obviously, heat 
losses can take two paths:  through the in- 
sulator and through the thermocouple and 
ground wires.  The cement holding the disc 
to the insulator was found to account for 
most of the losses. Therefore, only the 
minimum amount of cement necessary to hold 
the disc in place is used. 

Any transducer whose manufacturing toler- 
ances introduce excessive unknowns in the 
theoretical sensitivity must be calibrated 
by applying a known input.  In the case of 
the thermocouple gage, calibration is ac- 
complished by applying a known heat-transfer 
rate with an oxyacetylene torch which has 
been calibrated with a standard calorimeter. 
The torch is rotated onto the gage by means 
of &  solenoid, held there for about 80 msec, 
then released and moved off the gage by a 
spring.  The calibration setup is shown in 
Fig. 5.  In the case of the standard calo- 
rimeter, the application time is several 
seconds. 

Fig. 5 Heat-Transfer Rate 
Calibration Torch 

Some care is required in selecting the 
proper disc thickness for a particular heat- 
transfer rate.  The disc must be thin enough 
to give a temperature rise sufficient to 
produce a measurable output voltage from 
the thermocouple during the useful part of 
the flow and thick enough to prevent over- 
heating after the useful flow has terminated. 
Generally, the latter temperature rise is 
several times the former.  The table below 
gives disc thickness for various heat- 
transfer rates as used in the AEDC-VKF hot- 
shot tunnels. 

Fig. 4 Thermocouple Heat Transfer Gage 

Disc Thickness, in. 0.002 0.003 0.005 0.010 0.020 

Nominal Sensitivity, 
(mvfsec)/(Btuffl2-sec) 4.25 2.83 1.70 0.850 0.425 

Recommended Range of Heat- 
Transfer-Rate Measurement 
Capabilities, Btum2-sec 1-15 4-25 8-40 15-75 30-150 
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FORCE 

Force measurements in the VKF hotshot 
tunnels are made with strain-gage balances 
of the force type, i.e., no moment trans- 
ducers are employed. A combination of light 
models and rigid force transducers generally 
produces natural frequencies >1000 cycles 
per second, sufficiently high to meet the 
frequency response requirements.  Models 
are constructed of a combination of fiber- 
glass-reinforced plastic, balsa, and mag- 
nesium (Fig. 6). Typical model weights range 
from 0.1 to 0.2 lb in the 50-in. hotshot up 
to as much as 1.0 lb in the 100-in. hotshot. 

Fig. 6 Force Models Used 
. in Hotshot Tunnels 

For mounting in the tunnel, a sting-type 
support is used. The tunnel starting proc- 
ess initiates vibrations in the sting which 
are sensed by the model-balance combination 
acting as an accelerometer, The signal at- 
tributable to acceleration can be greater 
than the aerodynamic force being measured. 
The signals from accelerometers mounted in 
the balance are used to cancel the unwanted 
acceleration signals from the balance (Ref. 
4). Adjustment is made while the sting is 
vibrated at its natural frequency by an ec- 
centric weight on a motor shaft. 

The hotshot tunnel starting process pro- 
duces model loads which exceed several 
times the quasi-steady loads during the 
useful flow. Considerable difficulty has 
been experienced with zero shifts in the 
accelerometers because of the starting ac- 
celeration. This has been almost completely 
overcome by the use of semiconductor strain 
gages which allow more rigid and stronger 
structures. 

One- and three-component balances have 
been developed and are in common use (Fig. 
7).  Some work has been done with six- 
component balances. The most difficult 
problem is the measurement of rolling mo- 
ment. A moment transducer sensitive enough 
to detect the rolling moment is not rigid 
enough in conjunction with the model mass 
moment of inertia about its longitudinal 
axis to produce a sufficiently high natu- 
ral frequency. The most promising results 
have been obtained using semiconductor 
strain gages. 

Fig. 7 Three-Component (Top) and 
One-Compojient (Bottom) Balances 
for Hotshot Tunnels 

BALANCES FOR SUPERSONIC 
AND HYPERSONIC WIND TUNNELS 

The continuous-flow supersonic and hyper- 
sonic wind tunnels in the VKF present a wide 
range of forces and ambient temperatures. A 
six-component balance design has evolved 
that can be adapted to the wide range of 
requirements. The balances are composed of 
mechanical strain-element-type force and 
moment transducers instrumented with elec- 
trical resistance strain gages. All forces 
and moments, with the exception of axial 
force, are derived from the moment trans- 
ducer electrical signals using the appro- 
priate laws of statics; axial force is 
measiired directly with a force transducer. 

When the model temperatures exceed the 
maximum allowable strain-gage temperatiire, 
a water-cooled jacket is employed. Water 
is transferred to and from the jacket with 
plastic tubing. The tubing is flexible 
enough so as not to interfere with the bal- 
ance operation.  Several typical six compo- 
nent balances are shown in Fig. 8. 

Fig. 8 Six-Component Balances 
and Liquid Cooled Heat Shields 
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One of the main problems with the devel- 
opment of this balance design has been the 
interaction. Transducer design, machining 
tolerances, and strain-gage installation 
tolerances are important factors in the 
reduction of interactions. As a result of 
careful control of all three, first-order 
interactions have been reduced for most 
balances to less than ±2 percent for all 
components except axial force.  Axial-force 
interaction may be as high as 25 to 30 per- 
cent . 

Measurement of the strain-gage bridge 
outputs is done with VKF-developed servo- 
potentiometers, whose carrier frequency is 
400 cycles/sec. An a-c system is used to 
eliminate errors from thermal electromotive 
forces (emf) and stray noise picked up by 
the balance and connecting cables. The 
instruments have both a dial for visual 
indication and a digital output for use 
with a digital computer. The digitizer is 
of the rotating shaft to binary output 
type, mechanically coupled to the servo 
system.  Full scale is 8000 counts, corre- 
sponding to 4 input ranges of 8-, 16-, 32-, 
and 64-mv rms. 

SPECIAL TRANSDUCERS 

LOW DRAG BAUiNCE 

In order to study viscous interaction in 
the AEDC-VKF hypersonic tunnels, it was 
necessary to employ models too small for an 
internal balance. Also, the a.xial forces 
were much smaller than the minimum ones for 
standard balances. To meet these require- 
ments, an axial-force balance was developed 
with a maximum full-scale range of 0.3 lb. 
Forces as low as 0.002 lb have been meas- 
ured with a repeatability of ±5 percent. 
The device is a mechanical strain element 
with a linear-variable-differential trans- 
former as a deflection sensor (Fig. 9). 
Power for the transformer and signal con- 
ditioning for the output signal are pro- 
vided by a 20-kc carrier amplifier. Water 
cooling for both the model and the balance 
is provided.  Provisions for helium ejec- 
tion into the model boundary layer are also 
made. 

Fig. 9 I.OW Drag Balance 

ANGULAR TRANSDUCER 

In dynamic stability measurements in the 
wind tunnel, the fundamental parameter 
which must be measured is the attitude of 

a test model relative to the flow stream. 
An angular transducer which may be employed 
for this measurement has been developed. 
This transducer is a variable-reluctance 
device employing two pickup coils which are 
mounted on "E" cores (see Fig. 10 and Refs. 
5 and 6). The two coils are connected into 
a half bridge circuit with a-c excitation. 
As the outer ring, and hence the eccentric, 
rotates relative to the "E" cores, the air 
gap of one core increases and the other 
decreases, thus generating a signal which 
is proportional to the angular position of 
the transducer outer ring.  In use, the 
transducer is secured inside the test model 
at its center of gravity. The .assembly is 
then either transverse rod mounted or sting 
mounted in the wind tunnel. Electrical 
leads which emerge from the transducer pass 
along the shaft or sting to the tunnel ex- 
terior where they are connected to appro- 
priate instrumentation. 

Fig. 10 Variable Reluctance 
Angular Transducer 

The initial angular transducer design 
used ball bearings for support. The damp- 
ing resulting from bearing friction was 
excessive as compared to the aerodynamic 
damping being measured. Therefore, a ni- 
trogen bearing was developed to replace the 
ball bearings. Under similar conditions, 
the nitrogen bearing produces at least an 
order of magnitude less friction than a 
ball bearing support. 

Time resolution of the angular position 
of the model relative to the tunnel flow 
as the model stabilizes after being offset 
from an equilibrium position permits the 
computation of the rate of decay or loga- 
rithmic decrement. 
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