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Objective 
■The primary objective of the proposed program is to develop and design a distributed 
actuation methodology for wing warping in UCAVs aimed at (1) control of higher-order 
flutter modes, (2) increased maneuverability, (3) reduced radar signature. 

Status of Effort 
Specific milestones achieved during the funded phase of the program include: 

> Completed design and testing of high aspect ratio wing model in Duke University 
Wind Tunnel to correlate computer model used to design wing - LCO/Flutter. 

> Completed design and bench testing of V-Stack actuator for integration into 
airfoil. 

> Completed design specifications for a typical section wind tunnel model to 
evaluate performance of V-stack actuator with a single control surface. 

> Performed initial design of continuously deformable control surface and evaluated 
performance for flutter suppression. 

> Developed reduced-order models to evaluate enhanced roll performance of a 
warped, adaptive, aeroelastic wing. 

Accomplishments/New Findings 
Experimental and Theoretical Investigation of Flutter and Limit Cycle 
Oscillations of (Very) High Aspect Ratio Wings [1-3] 

Such wings are of great interest for certain classes of Uninhabited Air Vehicles (UAVs). 
They have unique aeroelastic characteristics and also pose a special challenge to active or 
adaptive control of their aeroelastic response and stability. An experimental and 
theoretical study of both flutter (the linear stability boundary) and limit cycle oscillations 
(LCO) was conducted to provide a verified baseline dynamic plant model that can be 
used as a testbed for active and adaptive control. 

Among the major findings were the following. (1) For a sufficiently high aspect ratio 
wing a higher order bending mode may be most critical for flutter and LCO. This 
confirms what design engineers have observed regarding the flutter mode for operational 
UAVs (unpublished data) using linear aeroelastic theory. (2) Moreover our results show 
that nonlinear effects may be significant for determining both the onset of flutter and the 
LCO that may occur. Two nonlinear effects were modeled theoretically and 
experimentally, (a) the nonlinear coupling among structural bending in both the lift and 
drag directions and the torsional twist of the wing and (b) the aerodynamic stall of the 
wing at high angles of attack. It was shown that large disturbances may lead to flutter at 
flight velocities or dynamic pressures below those predicted by traditional linear flutter 
theory. (3) Good agreement between theory and wind tunnel experiments was shown for 
both flutter and LCO lending confidence to our mathematical modeling methods. 



The results of this investigation provide a firm foundation for the modeling of high aspect 
ratio UAV plant dynamics for the conceptual design of advanced adaptive control 
systems. 

Development of an Adaptive Aeroelastic Wing with Leading and Trailing 
Edge Control Surfaces [4-6] 

In a series of three papers, this concept was (a) developed and mathematically modeled, 
then experimentally verified for both (b) steady state and (c) transient rolling motion of a 
wing. While the aeroelastic R&T community has known for several years that an 
adaptive combination of control surfaces can lead to improved rolling performance by 
taking advantage of the aeroelastic response of a wing, this investigation has led to new 
insights into the optimum strategy for doing so. In brief it has been shown that the 
leading and trailing edge controls should be used to counteract the loss of aerodynamic 
effectiveness (e.g. lift or roll rate) until the reversal dynamic pressure* is reached and 
then for higher dynamic pressures the controls should be reversed to create the maximum 
steady state aerodynamic performance. This theoretical result has been confirmed in 
wind tunnel tests and further mathematical modeling and wind tunnel investigations to 
assess transient performance has shown the concept to be viable for those conditions as 
well. 

The results of this investigation provide the foundation for new design concepts for 
enhanced performance of combat aerospacecraft. 

Development of Compact Solid-State Actuator [7] 

Aeroelastic control of wings by means of a distributed, trailing-edge control surface is of 
interest with regards to maneuvers, gust alleviation, and flutter suppression. The use of 
high energy density, piezoelectric materials as motors provides an appealing solution to 
this problem. A comparative analysis of the state of the art actuators was conducted, and 
a new piezoelectric actuator was designed which meets the requirements for both stroke 
and force of trailing edge flap actuation. It is compact, simple, sturdy, and leverages 
stroke geometrically with minimum force penalties while displaying linearity over a wide 
range of stroke. The "V-Stack Piezoelectric Actuator," consists of a base, a lever, two 
piezoelectric stacks, and a pre-tensioning element. The work is performed alternately by 
the two stacks, placed on both sides of the lever. Pre-tensioning can be readily applied 
using a torque wrench, obviating the need for elastic elements and this is for the benefit 
of the stiffness of the actuator. The characteristics of the actuator are easily modified by 
changing the base or the stacks. A prototype was constructed and tested experimentally to 
validate the theoretical model, and the device is capable of generate 100 pounds of force 
at the tip with a bandwidth extending to approximately 500 Hz. 
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EXPERIMENTAL AND THEORETICAL STUDY ON 

FLUTTER AND LIMIT CYCLE OSCILLATIONS OF 

HIGH-ASPECT RATIO WINGS 

Deman Tang l and Earl H. Dowell 2 

Duke University, Durham, North Carolina 27708-0300 

ABSTRACT 

An experimental high-aspect ratio wing aeroelastic model with a slender body at the tip has 

been constructed and the response due to flutter and limit cycle oscillations (LCO) has been 

measured in a wind tunnel test. A theoretical model has been developed and calculations 

made to correlate with the experimental data.   Structural equations of motion based on 

nonlinear beam theory are combined with the ONERA aerodynamic stall model to study the 

effects of geometric structural nonlinearity and steady angle of attack on flutter and LCO of 

high-aspect ratio wings. Static deformations in the vertical and torsional directions caused by 

a steady angle of attack and gravity are measured, and results from theory and experiment are 

compared. A dynamic perturbation analysis about a nonlinear static equilibrium is used to 

determine the small perturbation flutter boundary which is compared to the experimentally 

determined flutter velocity and oscillation frequency.  Time simulation is used to compute 

the LCO response. The results between the theory and experiment are in good agreement 
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for static aeroelastic response, the onset of flutter, dynamic LCO amplitude and frequency. 

n 



Nomenclature 

c, c wing chord and dimensionless chord, c/L 

CSB chord of slender body 

Ci section lift coefficient 

Cd section drag coefficient 

Cm section torsional moment coefficient 

C§ structural damping 

dD, dL section drag and lift forces 

dM0 section pitch moment about 1/4 chord 

dFv, dFw section chord wise and vertical component forces 

dMx section pitch moment about elastic axis 

e section mass center from elastic axis 

E modulus of elasticity 

g gravitational constant 

G shear modulus 

Ii,h vertical, chord wise area moments 

J torsional stiffness constant 

Km wing mass radius of gyration 

L wing span 

m mass per unit length of the wing 

M tip mass of the wing 

N total number of modes 



NN number of aerodynamic elements 

t time 

U free stream velocity 

v chordwise or edgewise bending deflection 

w vertical or fiapwise bending deflection 

Vj, Wj generalized co-ordinates for bending 

x position co-ordinate along wing span 

yac distance of aerodynamic center of airfoil section from elastic axis 

ax wing section angle of attack 

0o steady angle of attack at root section 

p air density 

4> twist about deformed elastic axis 

Ufö jth torsional natural frequency of wing 

coVj jth chordwise natural frequency of wing 

uwj jth vertical natural frequency of wing 

A; dimensionless width of fth spanwise aerodynamic element 

$j generalized co-ordinates for torsion 

()' d( )/dx 

C) d()/dt 

INTRODUCTION 



Aeroelastic stability and response of an aircraft with a high-aspect-ratio wing have been 

studied for many years from subsonic to supersonic flow. Most investigators have used 

linear beam theory to simplify the wing structural model. As shown in Ref. [1-3], however, a 

geometric structural nonlinearity may arise from the coupling between elastic flap or vertical 

bending, chordwise or edgewise bending and torsion for very high aspect ratio wings typical of 

Uninhabited Air Vehicles (UAV). In [2,3] the effect of the large static pre-fiutter deformation 

on the flutter boundary and LCO response has been studied. The results provide additional 

insight with respect to the contribution of structural nonlinear coupling to the aeroelastic 

stability and response of high-aspect-ratio wings. By flap or vertical bending is meant 

bending perpendicular to the wing chord and by chordwise or edgewise bending is meant 

bending in the direction parallel to the wing chord. 

An experimental high-aspect ratio wing aeroelastic model with a tip mass has been 

constructed and a wind tunnel test conducted to measure the static aeroelastic response, 

flutter and limit cycle oscillations. The goal is to assess experimentally the theoretical 

results of earlier studies, [2,3]. The theoretical structural equations of motion are based 

on nonlinear beam theory [1] and the original ONERA aerodynamic stall model [4]. Large 

static pre-flutter deformations in the vertical or torsional direction are created by the gravity 

loading on the wing and a tip slender body, and a steady angle of attack which creates a 

static aerodynamic load on the wing. 

A dynamic perturbation equation about a nonlinear static equilibrium is derived which 

is used to determine the flutter boundary. A direct time marching solution is also used to 

calculate the large amplitude response behavior of this nonlinear system both above and 



below the nominal, perturbation flutter boundary i.e. the flutter boundary determined from 

the dynamical equations linearized about a nonlinear static equilibrium state. 

Prior to the wind tunnel test, a static and vibration test of the experimental model has 

been made and the results compared to the theoretical predictions. Also we use the present 

theoretical method to correlate with an earlier experiment conducted by Dowell, Traybar 

and Hodges [5]. A discussion of these latter results and correlation with the measured data 

are given in the Appendix. 

This paper is a complement to the studies reported earlier by Patil, Hodges and Cesnik 

[2,6,7], by Tang and Dowell [3] and by Dowell, Traybar and Hodges [5]. 

EXPERIMENTAL WING MODEL AND MEASUREMENTS 

The experimental model includes two parts: a high-aspect ratio wing with a slender body 

at the tip and a root support mechanism. The wing is rectangular, untwisted and flexible 

in the flap, lag and torsional directions. The wing is constructed from a precision ground 

flat steel spar with mass uniformly distributed along the wing span. The spar is 18 inches in 

length, 0.5 inches in width and 0.05 inches in thickness. It is inserted tightly into the wing 

root mechanism. In order to reduce torsional stiffness, the spar has multiple thin flanges 

along the span. The flange width is 0.05 inch and it is 0.125 inches in deep. There are 2 

x 33 flanges uniformly and symmetrically distributed along the wing span and center line 

of the spar. There are 18 pieces of NACA 0012 airfoil plate uniformly distributed along the 

span.  The pieces of the airfoil plate are made of aluminum alloy with 0.1 inch thickness. 



A precision aerodynamic contour of the wing model is obtained. Each airfoil plate has a 

slot 0.5 inches in width and 0.05 inches in thickness at the symmetry line. The spar is 

inserted through these airfoil plate slots and they are permanently bonded together. Each 

space between two airfoil plates is filled with a light wood (bass) covering the entire chord 

and span which provides the aerodynamic contour of the wing. This wood provides a slight 

additional mass and a small addition to the bending and torsion stiffness. 

A slender body is attached to the elastic axis of the wing tip. The slender body is an 

aluminum bar, 3/8 inch in diameter and 4 inches in length. A paraboloidal forebody and an 

aftbody with 0.45 inch length are fixed to two ends of the bar. The forebody and aftbody 

are made of brass. The geometry of the paraboloidal forebody is described as follows 

R/Ro=V2, y = 0^1 

The slender body is symmetrical and is designed to provide enough torsional inertia to reduce 

the natural torsional frequency sufficiently to induce flutter in the velocity range of the wind 

tunnel. 

A physical representation of wing model is shown in Figure 1. 

The root support mechanism is a socket that allows a change of the steady angle of attack 

at the root. The root socket is mounted to the mid point of side-wall of the wind tunnel as 

shown in Figure 2 which is a photograph of the aeroelastic wing model in the wind tunnel. 

Axial strain gages for bending modes and a 45° oriented strain gage for torsional modes 

were glued to the root spar to measure the bending-torsional deflections of the wing. Signals 

from the strain gages were conditioned and amplified before their measurement through a 
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Figure 1: Physical representation of wing model. 



Figure 2: Photograph of the experimental model in the wind tunnel. 



gage conditioner and a low-pass filter. A micro-accelerometer is mounted at the mid-span 

of the wing. The output signals from these transducers are directly recorded on a computer 

with data-acquisition and analysis software, Lab-VIEW 5.1. 

A Helium-Neon Laser with 0.8mw randomly polarized and wavelength 633 (nm) is 

mounted on the top of the tunnel. The top of the tunnel is made of a glass plate with 

a thickness of 0.5 inch. A mirror, 0.5 inch in diameter, is fixed on the tip of the wing. A 

"mirror" deflection technique is used to determine the geometric twist angle and the vertical 

or fiapwise bending slope at the wing tip. 

All static, flutter and LCO response tests were performed in the Duke University low 

speed wind tunnel. The wind tunnel is a closed circuit tunnel with a test section of 2.3 x 

1.75/t2 and a length of 5 ft. The maximum air speed attainable is 293 ft/sec. 

The basic parameters of the experimental wing model were obtained from standard static 

and vibration tests and are listed in the Table 1. 

NONLINEAR AND PERTURBATION FLUTTER EQUATIONS 

Structural Model: 

According to the Hodges-Dowell equations [1], for an uniform, untwisted elastic wing, 

neglecting cross-section warping, the equations of motion may be written as 

EI2v"" + (EI2 ~ Eh)((t){w)")" +mv + C^v + (Mv + Ivv)5(x - L) 

= ^ + &Fv- (Mg6(x -L)+ mg) sin 0„ (1) 
ax 



EIx(w)"" + {EI2 - EIi)(<fyu")" + mw- me<i> + C^w + (Mw + Iww)S(x - L) 

dF, w 

dx 
+ AFW - (Mgö{x -L)+ mg) cos 60 (2) 

-GJ<f>  + (EI2 - EIi)w v  + I^<f)5{x - L) + mK^4> + Crf - mew 

dMx      . ,, /n, 
= —- + AM, (3) 

dx 

A few general comments about Equations [1-3] may be in order. First of all by multiplying 

each of these equations by Sv, 8w and 5<j) respectively and integrating over the length of 

the beam, a variational statement may be derived. Conversely as shown in Ref.[l], these 

equations may be derived from Hamilton's principle. 

Note that in Eq.[l]-[3] only the most important nonlinear terms are retained from the 

Hodges-Dowell equations and the third and higher order geometrically nonlinear terms are 

neglected here. Also note that the geometric twist angle <f> — <f> + J0
Xv'w'dx is considered 

in the aerodynamic terms. M is the tip mass and IV,IW and 1$ are the tip inertial terms, 

and 60 is the pitch angle or steady angle of attack at the root of this wing model, e is the 

distance between mass center and wing elastic axis center. 

The aerodynamic forces include two parts. One contribution is from the wing surface, 

^, ^ and ^k, anci the other is from the slender body at the wing tip, AFW,AFV and 

AM,. 

Part one (ONERA aerodynamic airfoil model): 

m1 

he v and w components of the aerodynamic force, and the aerodynamic moment about 



the elastic axis can be expressed as follows. 

dFw = dL- {<j>x - 60)dD (4) 

dFv = :-dD-{<l>x-6o)dL 

dMx = dM0 - VacdFw 

where 

dL = -pcU2Cidx 

dD = -pcU2Cddx 

dMQ = -pc2U2Cmdx 
Zj 

<j)X « w/(U + i) + w90) 

a = <f> + 90 - (f>\ 

The section aerodynamic coefficients Ci,Cd and Cm are obtained from the original ON- 

ERA stall aerodynamic model, see Ref.[4,8]. These airfoil relationships are combined with 

a strip theory assumption to determine the wing aerodynamic forces. Patil et al [7] have 

shown the strip theory assumption is a good one for such high aspect ratio wings. 

Part two (slender body theory): 

We follow Bisplinghoff, Ashley and Halfman [9], pg. 418 et seq and use their equation 

numbers. Using essentially the nomenclature of [9], we define h = WX=L, a = 4>X=L, L — 

AFW, Mx = AMX but use the symbol y to denote chordwise position. Then the vertical 

displacement at the wing tip is 

10 



Za = -h-a[y-yB] Eq.(7-136) 

where yB = yea, is the distance from leading edge to the elastic axis of the slender body. 

Here h, + up, and a, + nose up. Now the downwash or convected vertical velocity is 

Wa = sfr + U% = !%     ' (7-137) 

where D = §-t+Ufy 

Thus from [9], 

-^ - -P-Di ~ Pb~Di^ ~ -PDi\.b~m\ (7-140) 

where S = body cross-sectional area and S = nR2, for a circular cross-section of radius, 

R(y). 

Note |£ = £/£ (7-142) Dt dy 

Then Eq. (7-140) becomes 

f = -pU%^t-pS^ (7-143) 

Now, L = f0
CSB fdy and Mx = f0

Cs* § [y - yB\dy 

where CSB = chord of slender body. 

Using Eq. (7-136), 

-pf- = -h- cx[y - yB] - Ua 

D2Z, 

DH 
- = -h - ä[y - yB] - 2Ua 

11 



thus 

AFW = L = J0
CSB fdy = p[h + Ua] f0

CSB Sdy + pä J0
CSB S[y - yB}dy (4-1) dy 

and 

AM, = MX = - JQ
CSB

 ^[y- yB]dy = pU[h + Ua] J^ Sdy 

-ph I0
CSB S[y - yB]dy - pä J0

CSB S[y - yB]2dy (4-2) 

Note that J0
CSB gdy = - /0

CSB Sdy if 5=0 at y = 0, cSB, i.e. for a pointed body. 

Also, recall the sign convention is y- positive aft, L- positive up and Mx- positive nose 

up. 

If we assume the slender body drag can be neglected, then 

AFv = -(<px-(f>-6o)AFw (4-3) 

Modal Equations: 

Expansions in general mode shape functions are used to obtain ordinary differential 

equations in terms of generalized co-ordinates from Eq.(l)-(3). They are expressed in series 

form as follows. 

v = Y/VJmJ(x) (5) 
3=1 

w=Y,wJmJ(x) 
3=1 

0 = S$,(i)eJ(x) 
3 = 1 

12 



where the over-bar indicates non-dimensionalization with respect to the wing span, L. and 

ipj, ©j are the jth normal modes of the associated linear structural model. 

Let {q} be a state vector which is defined as 

M - fa vjt wjt wjt $, <*>,, cu, cml, cdl} 

where the structural mode number is j = 1,2, ...N, and the aerodynamic section number 

along the span of the wing is I = 1,2, ....NN. Using the Galerkin method, one obtains a set 

of state-space matrix equations from equations (l)-(5), 

M (<?} + W {<?} = W + {FN} (6) 

Note the coefficient matrices, [A], [B] are dependent on the flow and structural parameters. 

The force vectors F0 and FN are static force obtained from the effects of gravity and the 

nonlinear forces obtained from the structural nonlinearity and stall aerodynamics, respec- 

tively. 

Equation (6) is the set of nonlinear equations of motion. A strictly linear flutter boundary 

is determined using equation (6) by setting FN = 0 and F0 = 0. There is no effect on the 

strictly linear flutter boundary of a pre-flutter static deflection or initial conditions. For 

F/v / 0 and a large static pre-flutter deformation, a dynamic perturbation approach is 

used to determine the small perturbation flutter boundary of this nonlinear system about a 

nonlinear and non-trivial static equilibrium condition. That is, one assumes that 

13 



q = q + Q (7) 

where q is the static equilibrium state variables and the corresponding quantities with a 

symbol of ( ) are the small (linear) dynamic perturbations about the static equilibrium 

state. 

Substituting equation (7) into Eq.(6), a set of static equilibrium equations and dynamic 

perturbation equations is obtained. The static equilibrium equations comprise a set of non- 

linear algebraic equations for the unknown state vector {q} 

The dynamic perturbation equations about a static equilibrium state are 

[Ä] {q} + [B] {q} = {0} (8) 

Note the coefficient matrices, [A], [B] are dependent on the flow velocity and the static 

equilibrium sVte, e.g. U, q etc. 

To determine the dynamic nonlinear response of this aeroelastic system, we can use 

equation (6) and a time marching approach. 

A note on the sign convention may be helpful here. Vertical bending deflection, w, and 

the direction of gravity are taken as positive up. Chordwise bending deflection, v, is taken 

as positive aft. And the torsional deflection and angle of attack are taken positive nose up. 

Note that since gravity is positive up, we are flying the wing upside down and, for example, 

a negative angle of attack is required to provide a lift downward to balance the wing weight. 

14 



CORRELATION BETWEEN THEORY AND EXPERIMENT 

1.Static Deflections and Natural Frequencies Under Gravity Loading 

The root mechanism of the experimental wing model is mounted to a very heavy support 

frame which is attached to the ground. The root support mechanism allows the model to 

have a prescribed angle of attack or pitch from 60 = 0° —> 90°. For assessing the static flap 

and chordwise bending deflections and twist at tip vs 6Q under gravity loading only, three 

special pitch angles are considered i.e 80 = 0°,45° and 90°. The data are determined by 

directly measuring the difference between the undeformed and deformed tip position. The 

theoretical results are obtained from equation (l)-(3) and setting the aerodynamic terms to 

zero. We use a time marching approach to solve equation (l)-(3) and to determine the steady 

solution, i.e. the static deflections. The wing structural modes retained in the analysis were 

one chordwise mode, four flap modes and one torsional mode. Preliminary calculations with 

various modal combinations verified that good convergence is achieved with these modes in 

the analysis. The results are shown in Figure 3(a)-(c) for the tip flap (a), and chordwise (b) 

bending deflections and tip twist (c) vs pitch angle. The solid line indicates the theoretical 

results and the symbols, •, are from experiment. The agreement for the flap and chordwise 

deflections is excellent and for the twist is reasonably good. 

The natural frequencies are determined by measuring the transfer function of input force 

and output root strain or acceleration. A force transducer B&K 8200 fixed near the wing root 

is excited by a mini-shaker B & K 4810 and a power amplifier B & K 2706. A four-channel 

signal analyzer (SD 380) provides a sweeping sinusoidal signal.   The output signals from 
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strain gages (flap bending and torsion) and a micro-accelerometer (chordwise) are inputs to 

the SD380 for transfer function analysis. 

The theoretical results are obtained in terms from an eigenanalysis of the dynamic per- 

turbation equation (8) and setting the aerodynamic terms to zero. The static equilibrium 

positions are determined by using the time marching approach Eq.(l)-(3). The results are 

shown in Figure 4(a)-(c) for the fundamental natural frequency vs pitch angle of attack. Fig- 

ure 4(a) is for flap, and (b) for chordwise bending deflections and (c) for torsion. Of course 

these motions are coupled in general. The solid line indicates the theoretical results and the 

symbols, •, are from experiment. The agreement for the chordwise frequency is excellent 

and for the flap and twist is reasonably good. The flap frequency has a slight change from 

6Q = 0° —y 90° experimentally. The chordwise frequency decreases as 0$ decreases from 90° 

to 0°, while the torsion frequency increases. 

A correlation study was also conducted using earlier experimental data reported by Dow- 

ell, Traybar and Hodges [5]. The results are included here in the Appendix. 
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Figure 3: Static flap (a), and chordwise (b) bending deflections and tip twist (c) at tip vs 

pitch angle. Gravity loading only. 

In general good theoretical/experimental agreement is found.   Indeed it is somewhat 

better than that found in [5]. 

2. Static Aeroelastic Deflections of the Wing 

We use a "mirror" deflection technique to measure the tip static aeroelastic deflections of 

the wing. A point determined by a reflected light source is marked on a readout grid paper 

placed on the top of the wind tunnel when the wing is undeflected. The readout grid paper 

is calibrated in the tip flap and twist deflections before the test. The reflected light source 

point with wing deflection as marked on the readout paper is then determined as the flow 

velocity is varied. 

The theoretical results are obtained from equation (6) using the time marching approach. 
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The flow velocity is below the flutter velocity for these measurements and calculations. The 

wing is divided into ten (10) spanwise aerodynamic sections, i.e. NN = 10. The stall 

aerodynamic data for an NACA 0012 airfoil are used in this paper, see Ref. [7]. 

The theoretical and experimental results are shown in Figure 5(a) and (b) for a steady 

angle of attack, 6Q = 1°. Figure 5(a) is for the tip flapwise deflection and (b) for the tip 

twist. The solid line indicates the theoretical results and the bar indicates the measured 

data. The experimental data appear have some scatter due to the turbulent aerodynamic 

noise, although the noise is small. A very high measurement sensitivity is obtained from 

the mirror technique. We use a bar in the figure to indicate the magnitude of the response 

uncertainty. As shown Figure 5, both the tip and twist deflection increase with increasing 

flow velocity, but the tip deflection is alway negative until the flow velocity reaches 34.5 

m/s. At that velocity the aerodynamic forces provide sufficient lift to overcome the effect of 

gravity. At £/=34 5 m/s, the system enters into the flutter instability range. The consequent 

LCO has a certain non-zero mean or temporal average and this is shown by a dashed line 

in Fig.5. Also with LCO, aerodynamic stall occurs and the lift coefficient Cj suddenly 

decreases. The measured data in Fig.5 are acquired before the onset of flutter and LCO. 

The experimental LCO data will be discussed in the next section. The experimental data 

fall near the theoretical curves in Fig.5. In general, the agreement is good except for some 

points at [7=10,15 m/s. In the higher flow velocity range, the data fluctuation increases due 

to greater aerodynamic turbulence. 

Figure 6 shows the static aeroelastic deflections at the tip for 90 — 2.2°. The balance 

between aerodynamic forces and the effect of gravity now occurs at U=25 m/s. Compared to 
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Figure 5: Static aeroelastic deflections of the wing vs flow velocity for pitch angle of attack 

60 = 1° (a) flap, (b) twist. 

the results for 00 = 1°, Figure 5, a similar result is obtained, but the magnitude of the static 

aeroelastic deflections is larger than those for the 0O = 1° and a better agreement between 

experiment and theory is found. 

3. Flutter and LCO response 

Very clear flutter and LCO response are observed in the present wind tunnel test. Flutter 

and LCO response are determined for seven different steady angles of attack, i.e. 0O = 0.25°, 

0.5°, 0.7°, 1.0, 1.2°, 1.5° and 1.7°. For the safety of this wing model, we did not determine 

flutter or LCO in the range of 60 < 0° or 0O > 2°. 

The theoretical results are obtained from the dynamic perturbation equation (8) and 

also using a time marching approach for the full nonlinear equations (6). For no static 

wing deformation, the strictly linear flutter speed and frequency are found to be 34.4 m/s 
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Figure 6: Static aeroelastic deflections of the wing vs flow velocity for pitch angle of attack 

0o = 2.2° (a) flap, (b) twist. 

and 22.57 Hz respectively. In this case, we considered the effects of the tip slender body 

aerodynamics on flutter. The results are Uf=34.2 m/s and w/=22.44 Hz without tip slender 

body aerodynamics included. The effect of the tip body aerodynamics is thus seen to be 

small. 

Figure 7(a),(b) show a graphical representation of the perturbation equations eigenanaly- 

sis in the form of real eigenvalues Re(Xi) (damping) vs the flow velocity and also a root-locus 

plot (frequency vs. damping) as indicated by the symbol o. There is a intersection of Re(Xi) 

with the velocity .axis at Uf =34.5 m/s and the corresponding flutter oscillatory frequency 

is w/=22.59 Hz for 0O = 1°- F°r n0 static wing deformation, the strictly linear flutter results 

are also shown in the figure as indicated by the symbol •. The two results are almost the 

same. The reason can be explained by figure 5(a). Here, the static tip deflection approaches 

zero when the system is near the flutter velocity. The effects of the geometric structural 

nonlinearity thus become small near the flutter condition. 
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Similar to the above results, Figure 8(a),(b) show the eigenanalysis for 0O = 1-7°. The 

flutter velocity is Uj =35.2 m/s and the corresponding flutter oscillatory frequency is w/=22.8 

Hz. The flutter velocity and frequency increase 2.3% and 1% as compared to the strictly 

linear results. In this case we find the tip deflection is 0.05 (m) when 17=35.2 m/s. The 

effects of the structural nonlinearity are to increase the stability. From Figure 4(c), it is 

seen that the natural torsional frequency of the wing model increases as the tip deflection 

increases. 

The effects of the structural nonlinearity depend upon the bending stiffness ratio of 

EI2jEI\. In Ref. [3], it is shown that the angle of twist and the ratio of the flapwise deflection 

to wing span vary as the square root of EI\jEl2 for the LCO amplitude and/or the initial 

disturbance required to initiate LCO. For the present wing model Eh/Eh is only 44.05 which 

is much lower than the wing model used in Ref. [2,3] (EI2/EIi—200). Thus the nonlinear 

effects should be weaker, i.e. the LCO amplitude or the initial disturbance required to 

initiate LCO is larger for larger EI\jEI2 or smaller EI2/EI±. 

Figure 9 shows the dynamic perturbation flutter velocity (a) and frequency (b) vs the 

pitch angle of attack from both theory and experiment. The solid line is for the dynamic 

perturbation solution and the symbol, •, is for the experimental data (onset velocity of flutter 

or LCO). For comparison, the linear flutter solution is also plotted in this figure as shown 

by the broken line. The linear flutter solution is near the minimum flutter velocity and is 

located at a pitch angle between BQ = 1° and 1.2°. The maximum error between theory and 

experiment is only about 3%. The experimental flutter frequency is lower than those for the 

theory. The maximum error is about 5.4%. 
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Figure 10 shows the theoretical LCO time history of the mid-span flapwise deflection (a) 

and the tip twist deflection (b) for [7=35 m/s and 60 = 1°. From Figure 10, we find the stall 

aerodynamic nonlinearity leads to a limit cycle oscillation. 

Figure 11 rliows a comparison between theoretical and experimental time histories and 

the corresponding FFT analysis for flapwise deflection at the mid-span point for £7=35 m/s 

and #o = 1°- (a) is the theoretical time history from t=29 to 30 second, (b) is the measured 

time history and (c) is the FFT analysis. The motion includes two dominant frequency 

components. One is 22.59 Hz from the theory and 21.4 Hz from test which corresponds to 

the flutter frequency. The other is 45 Hz from theory and 42 Hz from test which is close 

to the second harmonic of the flutter frequency. The response is dominated by the flutter 

frequency. The agreement between theory and experiment is reasonably good. 

As shown in Figure 7(b), it is found the flutter mode is dominated by the coupling 
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between the first torsion mode and second flap mode. The LCO vibration mode shape is 

similar to the flutter mode. Figure 12 shows the theoretical LCO mode shape for C/—35 m/s 

and 90 = 1°. This LCO mode shape is also observed in the wind tunnel test and has been 

recorded on video tape. The experimental data point at the mid-span is also plotted on this 

figure. 

When the flow velocity is high, the theoretical LCO response appears as a beat oscillation, 

but this was not observed in the test. As an example, Figure 13(a) shows the theoretical time 

history and 13(b) shows the corresponding FFT analysis for [7=38 m/s and 60 = 1°. The 

very close frequencies are 20.96 Hz and 22.63 Hz which are both important for the response. 

However, 22.63 HZ seems more significant. 

Other interesting results are the phase plane plots of the motion at the wing tip. We use 

the "mirror" deflection technique to measure the twist deflection and fiapwise bending slope 
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Figure 14: Phase plane plot of tip flapwise bending slope vs twist for [7=35 m/s and 0O = 1°, 

(a) theory and (b) test. 

for [7=35 m/s and 0O = 1°. Figure 14(a) shows the theoretical results and 14(b) shows the 

test results. The grid paper is calibrated. In Figure 14(b), each square grid corresponds to 

one degree by one degree. The two results show the reasonably good agreement. 

A typical LCO amplitude and LCO frequency vs flow velocity for 60 = 1° and at the 

mid span position are shown in Figure 15(a) and (b), respectively. The theoretical and 

experimental amplitudes are taken as rms average values from a 50 second sampling interval. 

The symbols, o and •, indicate the experimental results for increasing and decreasing flow 

velocity, respectively. The solid and broken lines (without symbols) indicate the theoretical 

results for increasing and decreasing flow velocity, respectively. The symbol, A, indicates 

the linear flutter velocity which is calculated from the perturbation eigenvalue solution. 

For the increasing flow velocity case, the theoretical limit cycle oscillation occurs when the 

flow velocity is larger than the perturbation flutter velocity and the amplitude has a jump 

from almost rest to a larger value. Once the onset of LCO occurs, the amplitude increases 
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smoothly with increasing the flow velocity. When U > 38.6 m/s, a numerical or possibly a 

physical divergence is found in the theoretical model. For the case of decreasing flow velocity, 

as shown by the broken line, the LCO amplitude decreases but does not exactly coincide 

with those for the increasing velocity case. Also there is a jump in the LCO response at 

£7=33.5 m/s which is a distinctly lower velocity than that found for the increasing velocity 

case (i.e. [7=34.5 m/s). 

To show further details of the theoretical results, we use two "time history" figures to 

show the LCO responses obtained from the increasing and decreasing flow velocity processes. 

The results are shown in Figure 16(a) and (b) for 60 = 1°. Figure 16(a) is the result from 

increasing velocity and (b) is for decreasing velocity. There are eleven (11) flow velocities 

from [7=33 m/s to 38 m/s with AU=0.5 m/s considered in the calculation. At each flow 

velocity, the time history is computed until the system achieves a steady state LCO response. 

In general, it takes about 20 seconds (a time step of At=l/2048 seconds is used). The LCO 

response for the last one second is shown in Figure 16(a), i.e, the LCO response is shown 

in time intervals of one second for the several flow velocities. For the next flow velocity 

(increasing AC/), we use initial conditions that are provided by the previous LCO state. 

This process is continuous in time until the flow velocity increases to [7=38 m/s. For the 

decreasing velocity process, the results are shown in Figure 16(b). The process method is 

the same as the above. Again we see hysteresis in the response depending on whether the 

flow velocity is increasing or decreasing. 

For the experimental measurement, we also observed two different LCO responses for 

increasing and decreasing flow velocity.   With increasing flow velocity, we find a jump at 
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[7=33.5 m/s which is similar to the theoretical results at [7=34.5 m/s as shown by the 

symbol, o with a solid line. This jump velocity is called the experimental flutter velocity. 

As the flow velocity increases further, the LCO amplitude measured has a modestly larger 

increase than that found from theory. For model safety, the test was stopped at [7=36.5 

m/s. When the flow velocity is decreased, we find another jump at [7=32.4 m/s as shown in 

Figure 16(a) and as indicated by the symbol, • with a broken line. The experimental LCO 

amplitudes for decreasing velocity are modestly smaller than those found for increasing 

velocity. 

The LCO frequency vs flow velocity is shown in Figure 15(b). The symbols used in this 

figure are the same as for Figure 15(a). As shown in Figure 15(b), the LCO frequency has 

a slight change as the flow velocity increases. At high velocity, the theoretical LCO has two 

close frequencies as discussed previously in regard to Figure 13. The theoretical/experimental 

agreement is reasonably good. 

The theoretical/experimental results for LCO amplitude and frequency vs flow velocity 

for 60 = 0.25° and at the mid span position are shown in Figure 17(a) and (b). The 

theoretical LCO "time histories" obtained from the increasing and decreasing flow velocity 

processes are shown in Figure 18(a) and (b). For the other pitch angles of attack, the 

experimental/theoretical results are very similar to those for #0 = 1° and 60 = 0.25°. 

A hysteresis phenomenon was found from both the theoretical prediction and experi- 

mental observation. To determine the source of the hysteresis, the theoretical calculation 

was repeated with the structural nonlinearity or the stall aerodynamic nonlinearity removed, 
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Figure 15: Mid-span LCO amplitude (a) and frequency (b) vs flow velocity for 90 — 1°. 

alternatively. The results are shown in Figures 19 and 20 for 60 — 1.0°. It is found the struc- 

tural nonlinearity does not lead the hysteresis and LCO as shown in Figure 19; however, the 

stall aerodynamic nonlinearity is responsible for this hysteresis and LCO behavior as shown 

in Figure 20. 

CONCLUDING REMARKS 

The present experimental and theoretical results provide new insights into nonlinear 

aeroelastic phenomena for high aspect ratio wings (with a tip slender body) that have a beam- 

like structural behavior. The effects of the geometric structural nonlinearity of the beam 

theory and aerodynamic stall on both the flutter instability boundary and the nonlinear 

response have been studied. The effects of the geometric structural nonlinearity depend 

upon the ratio of the flap and chordwise bending stiffnesses, EI^/EIi. For relatively small 

EI2/EI1, the flutter instability boundary has only a small change due to the structural 

nonlinearity and pre-fiutter static deformation.   The onset of a limit cycle oscillation is 

31 



0.03 

c 
_o 
o o c 

-o 

a 

c 
cd & 
oo 
i 

•a 
6 

T—i—i—i—i—i—i—i—i—r 

i      l      l      l 1 1 I L 

c 
_o 
o u 
o 

-o 
t> 
00 

c 
C3 
D. 

0.03 

0.02 - 

0.01 

0 

-0.01 

-0.02 

-0.03 

-0.04 

-i—i—i—i—i—i—i—i—i—r 

„„   ,         decreasing „„   , 
u=33m/s -<£ u=38m/s 

i     i i i i_ i     i     i 

0123456789   10 11 

(a) time (sec.) 

Figure 16:  LCO "time history" at mid-span (a) increasing flow velocity process, and (b) 

0123456789   10 11 

(b) time (sec.) 

decreasing process for 60 = 1°. 

u 
-a 
3 

S 
CO 

<U 
oo 

'? 
Cu n 

53 
O u 

31 32    33    34    35    36    37 

(a) flow velocity (m/s) 

N 

O 
c 
D 

o 

24 

23 

22 

21  - 

20  - 

19 

- 

—1  T           1           1           i           I           i 

theory 

test 

i        i        i        i        i        i        i 

31     32     33     34     35     36     37 

(b) flow velocity (m/s) 

38 

Figure 17: Mid-span LCO amplitude (a) and frequency (b) vs flow velocity for 80 = 0.25° 

32 



0.02 

c _o 
o 
1) 

0) •a 
u 

ca 

c 
cd 

OO 
I 

T3 

E 

0.02 

4 6 
(a) time (sec.) 

c _o 

u 

"O 

03 
c 
C 
cS a, 

2        4 6 
(b) time (sec.) 

Figure 18:  LCO "time history" at mid-span (a) increasing flow velocity process, and (b) 

decreasing process for 60 — 0.25°. 

c 

o u 
ES 
D •a 
u 

& 

c 
CO & 

-5>38in/s 
j i__ 

4 6 
(a) time (sec.) 

a _o 
o u 
c 
o> 

■O 

CO 

ta 
c 
es 
O. 
OO 

4 6 
(b) time (sec.) 

Figure 19: 

decreasing 

LCO "time history" at mid-span (a) increasing flow velocity process, and (b) 

process for 9Q = 1° and the structural nonlinearity removed. 

33 



c _o 
'•t-t o 
i> 

ES 
4> 

CO 

ES 

e 
to & 

0.004 

0.0035 

0.003 

0.0025 

0.002 

0.0015 

0.001 

0.0005 

0 

-0.0005 

-0.001 

i 1 1 1 r 

"HÜ    flutter 

range 

u=33m/s J L -38rp/s 

c 

u u 
C o 

a, 
to 

c 
to 

I 
■o 

6 

4        6 

(a) time (sec.) 

10 4        6 

(b) time (sec.) 

Figure 20: LCO "time history" at mid-span (a) increasing flow velocity process, and (b) 

decreasing process for 0O = 1° and the stall aerodynamic nonlinearity removed. 

dependent upon a delicate balance between stall aerodynamics and the structural nonlinear 

forces [2,3]. However, the stall aerodynamics are dominant for the present experimental wing 

model. 
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Table 1: Experimental wing model data 

Wing properties 

span (L) 0.4508 m 

Chord (c) 0.0508 m 

Mass per unit length 0.2351 kg/m 

Mom. Inertia (50 % chord) 0.2056 x 10~4 kgm 

Spanwise elastic axis 50 % chord 

Center of gravity 49 % chord 

Flap bending rigidity (Eli) 0.4186 Nm2 

Chordwise bending rigidity (EI2) 0.1844 x 102 Nm2 

Torsional rigidity (GJ) 0.9539 Nm2 

Flap structural modal damping (£w) 0.02 

Chordwise structural modal damping (£„) 0.025 

Torsional structural modal damping (£^) 0.031 

Slender body properties 

Radius (R) 0.4762 xlO-2 m 

Chord length (CSB) 0.1406 m 

Mass (M) 0.0417 kg 

Mom. Inertia (Ix) 0.9753 xl0-4kgm2 

Mom. Inertia (Iy) 0.3783 xl0~5kgm2 

Mom. Inertia (Iz) 0.9753 xl0-Akgm2 
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APPENDIX: 

Static Deflections and Natural Frequencies Under Gravity Load, 

Ref. [5] 

As a further assessment of the present calculation method, a correlation study was made 

with the experimental data of Ref. [5]. The results are shown below in Figures 21 to 25 that 

correspond to the Figures 4 to 8 in Ref. [5]. For ease of comparison, the same notation is 

used in this Appendix as in [5]. Generally good agreement between theory and experiment 

is found. 
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Experiment: A, P=3 pound; •, P=2 pound; o, P=l pound. 
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Vi K / ABSTRACT 

It is well known that the effectiveness of a trailing edge control surface can be substantially 

diminished due to the elastic twist of an airfoil or rolling wing. This aeroelastic phenomenon 

is known by the name of control surface reversal when the lift or rolling rate vanishes at a 

sufficiently large ratio of flow dynamic pressure to airfoil or wing stiffness. 

However a leading edge control surface can be used to counteract control surface "rever- 

sal" and indeed, in principle, a leading edge control surface can entirely cancel the tendency 

of the trailing edge control surface to undergo reversal. Moreover analysis shows that by 

using a simple adaptive control strategy one can use a combination positive and negative con- 

trol surface rotations to maintain lift and rolling effectiveness and minimize control surface 

rotations. 

The beneficial effects of leading edgp control surfaces on control surface reversal are 

known to practioners. However the present simple model makes these especially transparent 

and suggests an advantageous adaptive strategy using a combination of leading and trailing 

edge control surfaces. 

1J. A. Jones Professor, Department of Mechanical Engineering and Materials Science and Director of the 
Center for Nonlinear and Complex Systems. Dean Emeritus, Pratt School of Engineering. 

2Associate Professor, Department of Mechanical Engineering and Materials Science, Pratt School of 
Engineering. 

3Professor of Mechanical Engineering and Materials Science and Senior Associate Dean, Pratt School of 
Engineering. 



INTRODUCTION 

Control surface reversal due to unfavorable aeroelastic effects is one of the classical phe- 

nomena of static aero elasticity. It is treated in textbooks [1,2] and standard courses on 

aeroelasticity. Here this this well known phenomenon is re-considered in the light of counter- 

acting the unfavorable aeroelastic effect associated with trailing edge control surfaces by a 

favorable effect of a leading edge control surface. By adaptively changing the ratio of leading 

edge control surface rotations, a particular advantageous result may be obtained. 

To illustrate the concept and fundamental physical phenomena, two simple models of 

(1) an airfoil and (2) a rolling wing are considered. Inter alia, an interesting result for the 

divergence of a rolling wing is also highlighted. 

The Active Flexible Wing and the Active Aeroelastic Wing programs have been pursued 

vigorously and reported widely. See, for example, Ref. [3-10]. A number of important 

insights and concepts have been highlighted in this literature concerning the effectiveness 

of multiple control surfaces. These include most notably leading edge control surfaces to 

offset the traditional loss of effectiveness of trailing edge control surfaces due to unfavorable 

aeroelastic wing twist. Noll and Eastep [3] present a cogent overview and organized an 

issue of the Journal of Aircraft on the Active Flexible Wing program. The most directly 

relevant paper in that issue was by Woods- Vedeleer, Potozky and ,Hoadley[4] wherein they 

discussed various possible control laws and the means to obtain thenlto optimize (minimize) 

roll maneuver loads using active controls. 

Later work by Anderson, Forster, Kolonay and Eastep [5] gave deeper insights into the 

favorable synergy that can be created by a combination of leading and trailing edge controls. 

In their work they noted that the unfavorable aeroelastic twist that can lead to trailing 

edge control surface reversal can be offset by a leading edge control surface. Moreover, 

the trailing edge control surface reversal can be eliminated and a constant roll authority 

maintained over a wide range of flight dynamic pressures by an appropriate combination of 

leading and trailing edge control surface deflections. In their approach (1) the trailing edge 

control surface rotation is tail down (for rolling to the left) at dynamic pressures below the 

classical reversal dynamic pressure (for only a trailing edge control surface in the absence 

of leading edge control), (2) then the trailing edge control surface rotation is set to zero at 

the dynamic pressure that corresponds to the classical reversal dynamic pressure and (3) 

finally the trailing edge control surface is rotated tail up at yet higher dynamic pressures. 

1 



The leading edge control also varies with dynamic pressure, but is always nose up with a 

maximum near the aforementioned classical reversal dynamic pressure. 

These theoretical trends are consistent with experimental data from a cantilevered wing 

model of the Agile Falcon [10]. 

This is a creative and inventive approach. However as will be discussed below, it appears 

one can increase the rolling rate even beyond that for a rigid wing by an appropriately chosen 

combination of leading and trailing edge control surface deflections. Moreover, and as will 

be seen, the torsional stiffness need not be compromised based upon control surface reversal 

considerations. 

More recent work on the Active Aeroelastic Wing concept has dealt with improvements in 

design optimization methodologies, reduction of drag, and an adaptive change in torsional 

stiffness to allow both pre- and post-classical reversal operation of an Active Aeroelastic 

Wing [6-9]. As will be seen, the same conceptual benefit that can be obtained by using a 

torsional stiffness change can also be realized by using an adaptive aeroelastic wing with the 

gearing ratio between leading and trailing edge control surfaces programmed to change with 

flight dynamic pressure. 

The adaptive control law to achieve maximum rolling performance is straightforward. In 

the pre-reversal regime (defined by the classical reversal for a trailing edge control surface 

only [no leading edge control]), the trailing edge control surface should be at its maximum 

trailing edge down and the leading edge control should be at its maximum nose up. Such 

a control law minimizes the loss of roll rate due to aeroelastic effects and indeed if the 

leading edge control surface rotation is sufficiently large, then the roll rate of the aeroelastic 

wing can exceed that of a rigid wing. However, at a certain flight dynamic pressure which 

can be calculated from an appropriate aeroelastic analysis as given in the present paper 

or determined from a wind tunnel test of an aeroelastic model, it will be advantageous 

to change the sign of trailing edge control while maintaining the leading and trailing edge 

control deflections at their maximum values. Note that in this scheme the magnitude of the 

leading and trailing edge controls are alwaysvnaintained at their maximum values at any 

dynamic pressure to maximize the roll rate and only the sign of the trailing edge control 

surface rotation is changed at a selected and optimized value of dynamic pressure. One can 

use similar considerations to take into account constraints on wing twist or structural loads 

as they may effect the adaptive control scheme to maximize roll rate. Indeed one could also 
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Figure 1: Schematic diagram of control surfaces and resulting moments. 

determine the adaptive control law that would minimize wing twist for a given roll rate or 

iraximum control surface deflection. 

Before turning to the aeroelastic analysis, a brief discussion of control surface actuation 

is presented. 

Implementation of an adaptive aeroelastic wing with leading and trailing edge control 

surfaces requires aeroservoelastic control. Current systems include hydraulics as well as 

electromechanical drives incorporating DC motors with appropriate gearing systems required 

to achieve the desired control surface stroke. For uninhabited aerial vehicles (UAVs) and 

uninhabited combat aerial vehicles (UCAVs), methods of implementing continuous (spatially 

deforming) as opposed to discrete control surfaces are desired to reduce radar signature and 

configure control surface actuation as a function of mission requirements. As shown in the 

results presented in this paper, it is possible to maintain the rolling effectiveness as a function 

of dynamic pressure through the use of a leading edge control surface. A schematic diagram 

of the conceptual control surfaces is provided in Figure 1. As illustrated, the leading edge 

control surface serves to provide an aerodynamic moment on the wing that counteracts the 
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Figure 2: Schematic of V-stack actuator. 

adverse effect of the aerodynamic moment introduced by the trailing edge control surface 

when used to increase lift. If the overall deflection of the leading edge is constrained to some 

finite value (a requirement for practical implementation), then the trailing edge control 

surface can be reversed at a point prior to compromising the rolling effectiveness of the 

vehicle. It is then possible to reverse the leading or trailing edge control surface at a given 

dynamic pressure and maneuver the vehicle beyond the conventional control surface reversal 

condition. 

The dynamic control of the leading and trailing edge control surfaces, whether they 

be discrete, as illustrated in the two-dimensional schematic of Figure 1, or continuously 

distributed over the span of the wing, must be synchronously controlled. New actuation 

technologies are currently under development for high-bandwidth actuation, leveraging high 

energy density materials such as piezoceramics. Two such actuation technologies include 

the X-frame actuator developed at MIT [11] and the V-stack actuator developed at Duke 

University [12]. Stroke amplification on the order of a factor of 10 can be achieved, and 

the actuators can be impedance matched for the desired application of dynamic load. The 

V-stack actuator (Figure 2) can be readily modified for impedance matching applications 



by simply removing the actuator base and modifying the separation distance between the 

two piezoelectric stacks by increasing or decreasing the dimension of the actuator base. The 

current prototype actuator has a total mass of 0.65 kg, produces a force of 125 pounds with 

a tip deflection of ± 1.5 mm, a frequency response extending to approximately 600 Hz, and 

a mass efficiency of approximately 15%. 

Such actuation devices can be integrated as a function of span to control " segments" of 

a continuously distributed control surface, both on the leading and trailing edge of the wing. 

Such actuation technologies can be used for dynamics associated with aircraft maneuvers as 

well as aero elastic control. 

1. An Adaptive Aeroelastic Typical Section Airfoil with Leading 

and Trailing Edge Control Surfaces 

1.1 Equations of Equilibrium 

The equation of torsional equilibrium about the elastic axis is as follows [1,2].- It expresses 

the balance of moments about the elastic axis due to the elastic spring and the aerodynamic 

forces. 

Kaa = Le + MAC (1) 

or 
„2r~ e 

Kaa = qc2[CL- + CMAc] (2) 

Now define, 

A = qc2/Ka (3) 

a non-dimensional ratio of aerodynamic dynamic pressure, q, to torsional spring stiffness, 

KQ. e is the distance from the aerodynamic center (of lift) to the elastic axis taken as positive 

aft. a is the elastic twist and c the airfoil chord. 

Then Eq.(2) becomes 
e 

a = X[CL- + CMAC] (4) 
c 

Prom aerodynamic theory [1,2], the lift and moment about the aerodynamic center may be 

expressed as follows. 

CL = CLaa + C^teVte + C^leVle (5) 



CMAC = CMACrjteVte + CMACrileVle (6) 

where r}te,rjie are the trailing and leading edge control surface angular rotations and CLQ, 

etc. are known (linear theory) aerodynamic coefficients that depend parametrically on Mach 

number and the wing and control surface planform geometries. 

1.2 Reversal 

By definition, L = 0 at reversal.   Now using Eqs.(4) in (6), one may determine the 

corresponding torsional elastic twist, CXR, setting L = 0, of course. 

OtR = ^RiCMACrjteVte + C'MACrileVle] (?) 

or 

&R = XR[CMACvte + rCMACtfelVte (8) 

where r = T]ie/r]te, is the ratio of leading to trailing edge control surface rotations.  XR = 

reversal dynamic pressure. 

Now from Eq.(5), 

&R — p;  v*) 

Dividing Eq.(8) by Eq.(9) and re-arranging, one has the following expression for XR. 

X    = -[CLT,te+rCLr,le] v. /1Qx 

CLCX [CMACrjte + rCMACr)le] 

Note that XR does not depend upon e/c. Also for r = 0, one retrieves the classical 

reversal result for no leading edge control surface [1,2]. Finally note that XR —> oo, when 

T = —CMACTjte/CMACTjle (H) 

1.3 Divergence 

This is the static instability for which a —> oo for finite r)te or T]ie, or alternatively for 

which a is finite when r)te = rjie = 0. Thus one may set r]te = Vie — 0 to determine A^, the 

divergence dynamic pressure. Using Eqs.(4) and (5), 

c 

xD = 
r   e         for 

or 

OLD # 0 (12) 



Note XD does not depend on r)te, Vie or their associated aerodynamic coefficients.   Of 

course, in this linear model it does not depend on OLD either. 

1.4 Lift Effectiveness ( for general A ) 

Now one can determine CL taking into account twist, a, of the airfoil and the conLrol 

surface rotations, r]te and rjie for any A. First solve for a from Eq.(4), using Eqs.(5),(6) and 

(11), 
A e 

a = Z 7-jT-{-[CLrite + rÖLnle] + [CMACvte + rCMACr)le]}Vte (13) 
l — Aj An  c 

Also Eq.(5) may be re-written as 

CL = [CLa(—) + CLvte + rCLj,ie]Vte (14) 
Vte 

Using Eqs.(13) in (14) and the definitions of AÄ given by Eq.(lO) and XD given by (12), one 

determines that 
CL .1 - A/AÄ 

[CLVU +rCLr)le)r}te      1 - X/XD 
(15) 

The left-hand side of Eq.(15) is the ratio of lift for the aeroelastic airfoil to that for a 

rigid airfoil. Note again that for r = 0, one retreives the classical result for no leading edge 

control surface i.e a trailing edge control surface only. Of course, when A —> 0 or A <^ A.^ 

and XD, the right hand side of Eq.(15) approaches unity. 

Finally, note that when XR — XD, the aeroelastic airfoil lift is equal to the rigid airfoil 

lift for all A. See Eq.(15). However, note from Eq.(13) that a —)■ oo as A = A# even 

when XR = XD- Thus for the enhancement of lift effectiveness to be useful, one requires that 

A < XD. 

It is thus of interest to solve for the value of r such that AÄ = A^. From Eqs.(10) and 

(12), 
, [CLvte + XpCLgCMACr/tc] /-, RN 

r\xR=\D = —j7? TT~r~r f ^lb' 

where AD = _    l 
Cxcf ■ 

One can use Eq.(16) to find a XD or e/c such that r has a desired value including r = 0. 

Of course, the smaller the desired r the smaller the resulting XD(= XR), so a design optimum 

will exist that balances a sufficiently large A^ and not too large a value of r. 



1.5 Numerical Results 

Typical values of the aerodynamic coefficients are the following [13]. Control surface 

chords of 10% and 20% of total airfoil chord are considered for a thin airfoil at M = 0. 

Results for M ^ 0 are readily obtained using the Prandtl-Glauert transformation. 

Coefficients    20%     10% 

CMACVU -0-64 -0.54 

CMACVU °-16 °-06 

CLr)tc 3.45 2.49 

CLvie 0.255 0.087 

Of course, the leading and trailing edge control surface chords may be chosen to be 

different in an optimization design study. Here they are chosen to be the same. 

1.5.1 Reversal results: 

Prom Eq.(10) we determine the following. 

r      AB      XR 

20% 10% 

0 0.86 0.73 

1 1.23 0.86 

2 1.97 1.01 

3 4.19 1.22 

4 CO - 

9 - oo 

-1 0.64 0.64 

-2 0.49 0.56 

1.5.2 Divergence results: 

From Eq.(12), one determine the following. 



e/c AD 

0       oo 

0.05 3.18 

0.1 1.59 

1.5.3 Lift effectiveness results: 

Using Eqs.(10),(12) and (15) the desired results may be obtained (only the case of 20% 

control surface chords is considered). These are shown in Figure 1 for e/c = 0 and 0.05. Of 

course, for e/c —> 0 , XD —> oo and the variation of lift effectiveness with A is linear. See 

Eq.(15). 

For any e/c, the results for r = 0 are those for no leading edge control surface. When 

r = 2, for example, the leading edge control surface rotation is twice that of the trailing 

edge. 

Consider first the results for e/c = 0. In Figure 3. it is seen that the lift effectiveness 

is increased substantially when r > 0. Note the reversal dynamic pressure is increased by 

over 100% by increasing r from 0 to 2. Note , in particular, that at A = 0.86 (corresponding 

to reversal for r = 0), the lift effectiveness is greater than 50% for r = 2. Finally note that 

above a certain A (of order 1), it will be advantageous to change the sign of r (see the results 

for r = -2) or the direction of the leading edge control surface rotation. Indeed by changing 

the sign of r above a certain A one may achieve a lift effectiveness greater than that for a 

rigid wing. 

Thus for small A one might advantageously select r > 0 and operate in the pre-reversal 

regime and for larger A one might select r < 0 and operate in the post-reversal regime. 

Also for sufficiently large positive r (r > 4), the lift effectiveness may exceed that of a 

rigid wing. However for various practical reasons, such large values of r may be difficult to 

use in practice. 

Now consider the results for e/c = 0.05. As expected, XR is the same as that for e/c = 0 

(for any r). Recall Eq.(10). Moreover, as may be expected from an examination of Eq.(15), 

the lift effectiveness for e/c = 0.05 (or any e/c > 0) is always greater (in magnitude) than 

that for A ^ XR. Of course, the lift effectiveness becomes very large as A —> XD, i.e. 

CL —> -oo (for T < 4) or CL —)■ +oo (for r > 4).  On the other hand, when e/c < 0, 



XD < 0 and the lift effectiveness will be less than that for e/c = 0 for any A other than 

A = AÄ. For e/c < 0, the lift effectiveness as A —> co approaches XD/XR. [Recall XD < 0 for 

e/c < 0. ] 

Finally note that from Eq.(16), when r = 2.70, A^, = XR, and the lift effectiveness is 

unity for all A. 

1.5.4 Twist angle results: 

For too large a twist angle, the structural integrity of the airfoil or wing may be a concern. 

For simplicity set e/c = 0, and use Eq.(13) to determine an estimate for a. 

a|e/c=0 = X[CMACr)te + rCMACrile]Vte (17) 

For typical values of A ~ 0(1) and CMAC, one sees that a\e/c=0 is on the order of r)te or 

less. Clearly in a practical design study, there must be a compromise between competing 

objectives. However the twist values seem reasonable for r > 0. For r < 0, the twist values 

will be larger, but still not beyond a plausible range of values. 

Note that for r = 4, the leading and trailing edge moments about the elastic axis balance 

and a = 0. However for such a large r, nonlinear aerodynamic effects (not modeled here) 

may be important. 

Of course, for e/c > 0 and XD > 0, the twist will tend to infinity as A —> XD. Recall 

Eq.(13). Thus the estimate of Eq.(17) is valid for small e/c and/or A < XD, say e/c < 0.1 

and X/XD < 0.5. 

One can, of course, determine a for any e/c, r or A from Eqs.(13). 

2. An Adaptive Aeroelastic Rolling Wing with Leading and 

Trailing Edge Control Surfaces 

Now consider a straight rectangular wing with leading and trailing edge control sur- 

faces that are full span. A more complex geometric planform can be treated using modern 

computational models [14]. 
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As will seen, the results for a rolling wing, including reversal, divergence and rolling 

effectiveness are entirely analogous to those found in the typical section airfoil model. One 

interesting sidelight of the study is the finding that including the rolling degree of freedom 

greatly increases the divergence dynamic pressure. In retrospect, at least, this is not surpris- 

ing as the rolling moment due to lift must be zero for a constant or steady roll rate. Hence 

the lift due rolling rate tends to cancel the lift due to wing twist and this substantially 

alleviates the tendency of the aeroelastic wing to diverge as the dynamic pressure increases. 

2.1 Torsional Equation of Equilibrium [1,2] 

7((?A + My = 0 (18) 
dyK     dy/        y 

2.2 Aerodynamic Model 

My = eL + MAc (19) 

L = qcCL (20) 

py 
CL — CLoi{a -—) + CLr)ter)te + CLr]ier}le (21) 

MAc = qc2CMAC (22) 

CM AC — CMACr/teVte + C"MACrileVle <23) 

Thus Eq.(19)-(23) give 

MV = QC2{[CMACr,teVte + CMACrileVle] + -{CLa{a - —) + CLr,ter)te + CLr)leVle]} (24) 

where p is the rolling rate (angular velocity) and y is the spanwise spatial coordinate. 

2.3 Rigid Body Rolling Equations of Equilibrium 

(25) 
JV 

or 

J [CLa (a-~) + CLvter)te + CLvler}ie]ydy = 0 (26) 

/ Lydy- 
Jo 
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2.4 Typical Values of the Aerodynamic Coefficients 

The aerodynamic coefficients are chosen to be the same as those for the typical section airfoil, 

i.e. a "strip theory" aerodynamic model is employed. Only control surfaces of 20% chord 

are considered as an example. 

Cia = 2n 

CLVte = 3.45 

CLTIU = 0.255 

CMACrite = —0.64 

CMACrile — 0.16 

2.5 Solution Procedure 

Assume a single structural twist mode [1,2]. 

a = ö7sm^ (27) 

Substituting Eq.(27) into (18) and using (24), multiplying through by sin^ and inte- 

grating over the wing span, / ...Ay gives the following Galerkin mathematical model. 

7T P 

[—(x)   + ACz,Q-]ö7 + X{[CMACr)teVte + CMACr)leVle] 
Zi c 

+-[CLTiteVte + CLr]ierjie]} XCLa—5-77 = 0 (28) 

Note: For simplicity, we have taken the control surfaces to be full span and as indicated 

use "strip theory" aerodynamics. Refinements to include partial span control surfaces and 

three-dimensional aerodynamics will not change the essential physical model, though they 

will clearly be important for design studies. 

Also define, 
_ QcH2 

Substituting Eq.(27) into (26) gives 

CLa^)ä - CLaA + l[CLT,terite + CLrileVle} = 0 (29) 
TT U Z 
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Consider now some important special cases: 

2.5.1 Rigid Wing (a = 0) 

From (29) and ä = 0, 
pi      3 [CLr,te + rCLr,ie]r]te 

U     2            CLa 

where 

Vte 

2.5.2 Reversal (pl/U = 0 ) 

From (29), 
_   _    3 [CLvte + rCLvie]r)te 

(30) 

(31) 

Prom (28), 

-«• o 12^ (32) 

Ä [_(|)2 + AäCL4] W 

Now equating the right hand sides of (32) and (33) and solving for XR, we obtain 

(-)2 
\     _  \2'  ('iA\ 

R       rr   !S.ft — _£§_1 _   96  [CMACvu+rCMACvu}-] ^4J 
^La\c[±       3^3 J       3^3       [CLr,te+rCLvle]       i 

A further special case is e/c = 0. Then (34) reduces to 

_      37T5 [CLr,te + rCLT,le] 
AR —  

384 CLa[CMACr)te + TCMACr)le) 

This is analogous to the result one obtains for lift reversal in the absence of rolling. Note 

also that the dependence of XR on e/c in (34) is very weak for typical values of e/c and the 

aerodynamic coefficients. 

2.5.3 Divergence (r)te = rjie = 0 ) 

Setting the determinant of coefficients of 57 and (pl/U) from (28) and (29) to zero and 

solving for A = XD, one obtains 

(~)2 

XD 
= cum - a (35) 
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Note:  XD = (7r/2)2 is the divergence condition for "symmetrical" divergence, i.e.   no 

rolling. Hence the A^ with rolling included is much higher and indeed, with rolling, 

AÄ<AÖ 

Compare (34) to (35). This greatly increased value for XD when rolling occurs has presumably 

been observed by practioners for many years. However, the standard texts [1,2] are silent on 

this issue and an admittedly informal and incomplete survey of colleagues has not shown a 

general awareness of this result. Hancock [15] has pointed out that rigid body translation 

and pitching motions may impact symmetrical divergence. 

2.5.4 Rolling Effectiveness ( general X) 

Solving Eqs.(28) and (29), one obtains 

7 AT 

-(36) 

(37) 

pi 
u ' D 

a = 
Na 

D 
where 

D = {-[-Ö2 + -ACL«] + -4-MLa}CLa (38) 
2 C IT* C 

NP s {-\[~{\? + -cWLa}[CLvte + rCLr)le] 

48 e 
H äXCzJa[(CMACr)te + 'rCMACT)le) +-(CLnte + rCLT)le)]}Vte (39) 

/I C* 

_ 4 e 
Na = —CLa{ ^[(^MACTjte + rCMACr)le) + -(C^te + rC^le)] 

+2^ lX(CLvte + rCLr,ie)}r)te (40) 

Now using (35) and (38), 

D = {XCLa-[-l + g] + £f}CLa = (f )2CLQ{1 - A} (4i) 
C 7T* z z Ap 

and using (34) and (39) 

N, = f (f )2[^e + rCLvle)){l ~ ^}Vte (42) 
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(43) 

Thus from Eqs.(41) and (42), and recalling Eq.(30), 

pl/U = 1 - X/XR 

3 [CLvte+rCLr,u]vte 1 _ XIXD 
2 CLO 

or 

RE -      {pl/U)      = 1 " X/XR 

(PI/U)RIGID      1-X/XD 

Note: One could also determine a dynamic pressure for which Ö7 = 0, i.e. Na — 0. At 

such a dynamic pressure, the rolling rate is the same as that for a rigid wing of course. 

2.6 Numerical Results 

2.6.1 Reversal results: 

From Eq.(34), one obtains the following. 

e/c    r      XR 

0 0 2.05 

0 1 2.94 

0 2 4.71 

0 3 10.0 

0 4 oo 

0 5 -11.2 

0 -1 1.53 

0     -2    1.17 

Note: These results are also quite accurate for say any |£| < 0.1 

2.6.2 Divergence results: 

Prom Eq.(35), one obtains the following. 

e/c = 0 , Ax? = oo 

e/c =0.1 , AD = 170 
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Note that \p ~> XR for a rolling wing. Thus (43) may be further simplified to 

_    (pi/cO RE = 
(pl/U) RIGID 

= 1-A/A R (44) 

These results are shown graphically in Figure 4 and are entirely analogous to those for 

the typical section airfoil. Note, in particular, that an adaptive control strategy where one 

selects r > 0 for small and r < 0 for large A appears attractive. Of course, large A occurs for 

large flow dynamic pressure, q, or small torsional stiffness, G J. 

2.7 Adaptive Design Considerations 

The full implications for adaptive design are many. Here a few key ideas are highlighted. 

For simplicity we assume the elastic axis and aerodynamic center coincide, e/c=0. To make 
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the discussion more transparent, recall Eq. (30) and (34) and rewrite Eq. (44) as follows. 

P=|7W^ = ^«Cl7 + A37V3841+r[Cl7 + A3^3841} (45) 

In this form, the explicit dependence of roll rate on the ratio of dynamic pressure to wing 

torsional stiffness, A, is seen as well as the individual roles of the trailing and leading edge 

control surfaces. The rolling rate is now normalized with respect to a parameter based upon 

wing stiffness, chord, span and fluid density as well as control surface rotation, r}te. 

In Eq. (45) the explicit dependence of the trailing edge control surface contribution to 

the rolling rate on dynamic pressure is clear. Recall the reversal dynamic pressure for the 

trailing edge control surface alone is 

\    \ - 371"5 Chr<te lAR\ AÄ|r=o - wr   r  (46) 
OÖ4 L'La^MACrjte 

Thus the contribution of the trailing edge control surface to the rolling rate changes sign 

when 

A > AÄ|r=0 or A < AÄ|r=0 

Of course, the leading edge control surface alone does not undergo reversal since the 

twist due to the leading edge control surface rotation increases the rolling rate. See the term 

multiplied by r in Eq. (45). 

From the above observations based upon Eq. (45), it is clear that one wants to make r 

as large as possible and then, when the contribution of the trailing edge control surface to 

the rolling rate goes to zero as A —> AÄ|r=0, , reverse the sign of r and r\te to maximize the 

roll rate over the full range of dynamic pressure. To show this concisely consider Figure 5. 

Figure 5 shows the variation of rolling rate (normalized by the trailing edge control surface 

rotation) with dynamic pressure for a given level of wing torsional stiffness. In our linear 

aeroelastic model the rolling rate is proportional to the trailing edge rotation for fixed ratio 

of leading to trailing edge rotations. Thus the inverse of Figure 5 may also be interpreted as 

the trailing edge rotation required for a given rolling rate. 

When there is no leading edge control (r=0), there is a dynamic pressure when the rolling 

rate goes to zero, i.e. the reversal dynamic pressure for a trailing edge control surface only. 
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Of course, for small dynamic pressure and in the limit as the dynamic pressure tends to zero, 

the roll rate also tends to zero. 

With leading edge control added (r ^ 0), reversal is eliminated using the adaptive strat- 

egy previously described. Indeed for a sufficiently large leading edge control authority, the 

rolling rate is a monotonically increasing function of dynamic pressure. This result also im- 

plies that for a given desired rolling rate, the trailing edge (and leading edge) control surface 

rotations needed are monotonically decreasing functions of dynamic pressure. This is an 

attractive design option as it implies that the leading and trailing edge control authority 

may be determined by low dynamic pressure requirements to achieve desired rolling rates. 

The value of r for which the dependence, of p on A and vice versa is monotonic may be 

determined from a further analysis of Eq. (45). It is given by 

r = 2/[-3°
MACr>le + ^| (47) 

For the aerodynamic data used here, r=2.43. 

Representative results from Eq. (45) are shown by the solid lines in Figure 5 using the 

adaptive control strategy. Also shown for reference are the results that are obtained when 

the sign of r is not changed adaptively. See the dashed lines in Figure 5. Clearly using the 

adaptive strategy has a very beneficial effect on the rolling rate. 

There is another interesting set of questions regarding the optimum choice of wing tor- 

sional stiffness. For a sufficiently flexible wing, one could operate in the post-classical re- 

versal regime, i.e. A > A^|r=o, for virtually the entire range of flight conditions. Of course 

divergence (or flutter) considerations may limit this option. Whether this option will prove 

attractive remains a subject for future investigation. 

CONCLUDING REMARKS 

A leading edge control surface may be used to counteract the tendency of a trailing 

edge control surface to undergo aeroelastic reversal. Results obtained here from simple 

mathematical models support results obtained in more complex models including flight test 

and wind tunnel results [3-10]. An attractive adaptive strategy to program the leading and 

trailing edge control surface rotations with flight condition has been suggested. 
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Moreover the effect of the rolling degree of freedom to increase the dynamic pressure at 

which aeroelastic divergence occurs is emphasized. This suggests it may be of interest to 

include the rolling degree of freedom in the study of other aeroelastic phenomena including 

(anti-symmetric) flutter. 

Finally, it is possible that the oscillation of a leading edge control surface may be used 

to create a favorable effect on such dynamic phenomena as vortex breaking or bursting. See 

[16] for a relevant experimental study. To assess this possibility will require a full dynamic, 

aeroelastic model and analysis, of course, and is well beyond the scope of this paper. 
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It is well known that the effectiveness of a trailing edge control surface can be substantially 

diminished due to the elastic twist of an airfoil or rolling wing. This aeroelastic phenomenon 

is known by the name of control surface reversal when the lift or rolling rate vanishes at a 

sufficiently large ratio of flow dynamic pressure to airfoil or wing stiffness. 

However a leading edge control surface can be used to counteract control surface "rever- 

sal" and indeed, in principle, a leading edge control surface can entirely cancel the tendency 

of the trailing edge control surface to undergo reversal. Moreover analysis shows that by 

using a simple adaptive control strategy one can use a combination positive and negative 

control surface rotations to maximize lift and rolling effectiveness or minimize control surface 

rotations. 

In the present work, a theoretical-experimental study of the effectiveness of trailing and 

leading edge control surfaces has been made for a rolling wing-fuselage model. An experi- 

mental model and wind tunnel test are used to assess the theoretical results. The theoretical 

model includes the inherently nonlinear dry friction damping moment between the spindle 

support and the experimental aeroelastic wing model for the rolling degree of freedom. A 

three dimensional vortex lattice aerodynamic theory is employed. The present paper pro- 

vides new insights into the behavior and design of an adaptive aeroelastic wing using trailing 

and leading edge control surfaces. 
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Introduction 

Control surface reversal due to unfavorable aeroelastic effects is one of the classical phe- 

nomena of static aeroelasticity. It is treated in textbooks [1,2] and standard courses on 

aeroelasticity. However, an appropriately diosen combination of leading and trailing edge 

control surface deflections plus an adaptive control law can be used to achieve improved 

rolling performance and/or to minimize roll maneuver loads. 

Related results have been reported from the Active Flexible Wing (AFW) program and 

more recent work on the Active Aeroelastic Wing (AAW) technology. Noll and Eastep [3] 

present a cogent overview and organized an issue of the Journal of Aircraft on the Active 

Flexible Wing program. In this special issue there are eleven (11) papers that report theo- 

retical and experimental investigations on actively controlled wings. 

Anderson, Forster, Kolonay and Eastep [4] gave deeper insights into the favorable synergy 

that can be created by a combination of leading and trailing edge controls. In their work they 

noted that the unfavorable aeroelastic twist that can lead to trailing edge control surface 

reversal can be offset by a leading edge control surface. Moreover, the trailing edge control 

surface reversal can be eliminated and a constant roll authority maintained over a wide 

range of flight dynamic pressures by an appropriate combination of leading and trailing edge 

control surface deflections. 

More recent work on the Active Aeroelastic Wing technology has dealt with improvements 

in design optimization methodologies, reduction of drag, and an adaptive change in torsional 

stiffness to allow both pre- and post-classical reversal operation of an Active Aeroelastic Wing 

[5-8]. 

As reported previously [9], the same conceptual benefit that can be obtained by using 

an adaptive torsional stiffness change can also be realized by using an adaptive aeroelastic 

wing with the gearing ratio between leading and trailing edge control surfaces programmed to 

change with flight dynamic pressure. Also some new actuation technologies are currently un- 

der development for high-bandwidth actuator, leveraging high energy density materials such 

as piezoceramics. Two such actuation technologies include the X-frame actuator developed 

at MIT [10] and the V-stack actuator developed at Duke University [11]. Thus, implementa- 

tion of an adaptive aeroelastic wing with leading and trailing edge control surfaces appears 

promising and practical. 
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Reference [9] considered the basic adaptive concept and the fundamental physical phe- 

nomena for two models of (1) an airfoil and (2) a rolling wing. These results using simple 

structural models and aerodynamic strip theory have shown the effectiveness of an adaptive 

strategy that programs the leading and trailing edge control surface rotations with flight con- 

dition. In order to validate the predictions of the theory, a wind tunnel wing-fuselage model 

with the leading and trailing edge control surfaces has been designed and tested to measure 

the rolling effectiveness vs dynamic pressure for different combination of leading and trailing 

edge control surface rotation. Of course, the wing-fuselage model is in a three-dimensional 

flow field. A three dimensional incompressible (linear) vortex lattice aerodynamic theory 

and a corresponding reduced order aerodynamic model are used in the present analysis [12]. 

Results for subsonic, compressible flow can be obtained using the Prandtl-Glauert scaling 

law. 

Finally, it is noted that for the present wind tunnel test model, there is a nonlinear dry 

friction damping arising from the rubbing or sliding between the experimental aeroelastic 

wing-fuselage model and the support spindle. This nonlinear factor is considered in the 

present experimental-theoretical study. 

Experimental Model and Measurements 

The experimental model consists of a right and left wing and a fuselage (slender body). 

For simplicity, the wing model is a rectangular aluminum plate of thickness 0.317 cm, total 

chord length (c) of 10.16 cm (including the leading and trailing control surface chords) and 

span length (I) of 10.16 cm. The plate has a very large bending and torsional stiffness and 

thus the wing per se is assumed to be rigid. The leading and trailing control surfaces each 

have a chord length of 1.73 cm (17%c) and a full span length of 10.16 cm (100%Z) hinged on 

the leading and trailing edges, respectively. The rotation angle of the control surface can be 

adjusted. The torsional flexibility of the wing is provided by a flat spring at the wing root 

which can be adjusted. The elastic axis is placed at the quarter of the wing chord. In order 

to also place the chordwise center of gravity axis of the wing at the elastic axis, the leading 

edge control surface is made of brass and the trailing control surface is made of aluminum 

plate. Also a small slender body mounted at the wing root is used to provide weight balance. 

The fuselage has a circular cross-section with a diameter of 2.54 cm. It includes two 

parts. The front part is a slender body with a parabolic forebody which can rotate about 
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Figure 1: Physical representation of experimental model. Also shown is a three-dimensional 

vortex lattice model (linear) of the unsteady flow. 

the fuselage center axis and supports the wings. The rear part is a non-rotating slender body 

with a parabolic aftbody which is used to support the front portion of the slender bod;y and 

is connected to the wind tunnel floor by a support or sting rod. See Figure 1. 

The wings are allowed to rotate (roll) about the center axis of the fuselage. The rolling 

rate (angular velocity) is measured by an angular transducer, R30A, mounted on the rear 

end of the non-rotating portion of the slender body. 

A physical representation of wing model geometry along with a three-dimensional vortex 

lattice model (linear) of the unsteady flow is shown in Figure 1 and a photograph of the 

aeroelastic model in the wind tunnel is shown in Figure 2. 

Static Aeroelastic Equations 

As shown in Figure 1, a straight rectangular wing with leading and trailing edge control 



Figure 2: Photograph of the aeroelastic model in the wind tunnel. 

surfaces that are full span is considered. The experimental model is symmetrical about 

the center axis of the fuselage. The aerodynamic forces on the fuselage (slender body) are 

neglected. The equation of torsional equilibrium about the elastic axis of the rigid wing is 

as follows [1,2]. It expresses the balance of moments about the elastic axis due to the elastic 

spring and the aerodynamic forces in the Eulerian coordinate system (x,y,z). 

Kaa + MV = 0 (1) 

or 
rl+Tf    re 

Kaa + /   Ap(x, y)(x - xe)dxdy = 0 
Jr}        JO 

(2) 

where Ap(:r, y) is the pressure distribution on the wing, xe is the distance from the elastic 

center to leading edge of the wing, Ka is the torsional stiffness and a is the twist angle of 

the wing. 77 is the radius of the slender body (fuselage). 

The rigid body rolling equation of equilibrium about the center axis of the fuselage is 

expressed as follows. 



[l+rfLydy-Md£- = 0 (3) 
Jrf \p\ 

or 
fl+rf       re T) 

J       y yo Ap{x, y)dxdy - Md^- = 0 (4) 

In this equation a dry friction damping moment between the spindle support and the aeroe- 

lastic wing model is taken into account. Md is the nonlinear Coulomb friction damping 

moment and p is the wing rolling rate. 

Introducing non-dimensional quantities in Eq.(2) and (4) as follows, 

— Ap(x,y) _    x xe 
Ap(x,y) = ^urt    ,    x = -    ,    xe = - 

y=V-     ,     Ka = -^   and  Md =   M^- 
c     ' Q     pU2c* a     pU2c* 

the dimensionless equations corresponding to Eq.(2) and (4) are 

r(l+rf)/c   /•1__/ 

lrf/c 

and 
r(l+Tf)/c       rl        _    _  _           P 
j y /   Ap{x, y)dxdy - Md— = 0 
Jrjjc JO \P\ 

  f(l+r/)/c    rl       _ _ 
Kaa+ /   Ap(x,y)(x - xe)dxdy = 0 (5) 

Jrr/c JO 

(6) 

To model the above aeroelastic structural/fluid system, the aerodynamic flow about the 

structural model is assumed to be incompressible, inviscid and irrotational. Here an unsteady 

(linear) vortex lattice method is used to model this flow [12]. The wing and wake are divided 

into a number of elements. In the wake and on the wing all the elements are of equal size, 

dx, in the streamwise direction. Point vortices are placed on the wing and in the wake at the 

quarter chord of the elements. At the three-quarter chord of each panel element a collocation 

point is placed for the downwash, i.e. we require the velocity induced by the discrete vortices 

to equal the downwash arising from the unsteady motion of the wing. Thus the following 

relationship is obtained, 

kmra 
t-i-\ 

W r^E^rf1' x = l, km (7) 
3 

where u;*+1 is the dimensionless downwash at the zth collocation point at time step t + 1, 

Fj is the jth normalized vortex strength by cU, and K^ is an aerodynamic kernel function 

for the horseshoe vortex, km and kmm are the number of vortex elements on the wing and 



total number of vortices on both the wing and wake in the x- direction, respectively. For the 

three-dimensional incompressible flow, the kernel function is given by (see Ref.[13]) 
 4- 

-1 ,.        y/fö ~ Xja)2ßi ~ Vjg) Kij(x,y,xa,ya,xb,yb) = —— -_[i + V _3a A   l ^_] (8) 

1 r \J(Xi ~ "^'a)2 + (y{ - yjbY 

^{Vi ~ Vjb) x{ - xja 

where xt is the location of the ith collocation point, and yja and yjb are the locations of the 

two jth trailing vortex segments which are parallel to the x axis at y - ya and y = yb. 

The aerodynamic matrix equation (general) is given by / 
; ■** k 

[A]{TY* + [B]{TY = [T]{w}t+i (9) 

where [A] and [B] are aerodynamic coefficient matrices. [T] is a transfer matrix for deter- 

mining the relationship between the global vortex lattice mesh and the local vortex lattice 

mesh on the wing. For the present model the wing span is finite and anti-symmetric about 

the center axis of the fuselage. An anti-symmetric vortex condition is used for reducing 

the aerodynamic degrees of freedom. In this case the aerodynamic coefficient matrix, [A], 

corresponding to the kernel function can be expressed as 

A = Kid{x, y, xa, ya, xb, yb) - Kid(x, y, xb, -yb, xa, -ya) 

The nondimensional downwash, w, contains contributions from the steady angle of attack 

a, the wing rolling rate, p, and rotational angles, r)ie,rjte of the leading and trailing control 

surfaces, respectively. For the present model, Eq.(9) is expressed in matrix form as 

[A]{T}*" + [B]{ry = {Ta}a^ - {Tp}^t+1 + {Tt}Vte + {Tl}Vle (10) 

where {Ta} and {Tp} are the elastic twist and rolling rate transfer matrices for determining 

the relationship between the global vortex lattice mesh and the local vortex lattice mesh on 

the wing. {Tt} and {Tt} are the transfer matrices for determining the relationship between 

the global vortex lattice mesh and the local vortex lattice mesh on the trailing and leading 

control surfaces, respectively. 

The nondimensional pressure distribution on the rigid wing at the jth. point is given by 

c 
Ax ^ = ^r5+1 + ri)/2 + E(r*+1 - rj)] (ii) 

6 



Substituting Eq.(ll) into Eq.(5) gives 

kn   km 

Iaa+EE (*m - ar.)[(r^ + rL)/2 + E(rnf - r^)]Ay = o (12) 
n=\ m=l 

or as expressed in matrix form, 

Kaa + {D2}
T{TY+' + {D1}

T{TY^Q (13) 

where kn and /cm are the chordwise and spanwise numbers of vortex elements on the wing 

and here the superscript T indicates the matrix transpose. 

Substituting Eq.(ll) into Eq.(6) gives 

kn km 

E^nE 
n=l       m=l 

or as expressed in matrix form, 

P 
(E vn E [(r£ + rL)/2 + ETO1 - r^)]}Ay - Md]^ = o 

\p\ 
(14) 

{^{r}»1 + {Ci}T{iy - M,|j = o (15) 

where DuD2,Ci and C2 are coefficient matrices describing the vortex element forces and 

moments on the wing. 

Thus, combining Eq.(10),(13) and (15), a complete static aeroelrstic state-space equation 

in matrix form is obtained for the unknown variables, T, a and p. 

A -Ta TP/U r 
Dl Ka 0 < a 

cl 0 0 
k P 

t+l 

+ 
BOO' r I 

Df   0   0 < a >     =   < 

Cf   0   0_ P 

r477te + Tflu 

,   0 

t+il 

(16) 

Following a similar treatment as described in Ref. [14], a reduced order aerodynamic 

model with static correction is constructed and the final aeroelastic state space model is 

given by 

t+i 

+ 
I       -Yl[I-A(A + B)-i]E 

G2XRa      K + G2(A + B)-1E 

t 

7 
9 

-ZRa    -YlB{A + B)-'E 

GxXRa      Gl(A + B)-1E 

7 
e 

o *4 

-(Gi + G2)(A + B)-l{Ttr)te + Tivu) + FN 

(17) 



where where {9} — {a,p} is a vector of unknown variables and 

m = [{Ta},{-Tp/U}] , [G2] = 

m Ka   0 

0     0 

] = 
{Di}T 

. {C2Y . 
, [Gi] = 

(A}T 

. {Gi}r 

) {FN} = | 
tf'fi) 

(18) 

[Xßa], [Yßa] are the reduced right and left eigenvector matrices of the vortex lattice eigenvalue 

model and [ZRa] is a reduced eigenvalue matrix, T = XRaj, with only the most dominant 

eigenmodes retained in the analysis. 

Numerical Study 

1. Validation of Aerodynamic Computation Code 

In order to validate the present aerodynamic code, first consider a two dimensional thin 

airfoil and use two dimensional vortex lattice theory at M = 0. Results are presented for 

the pressure and lift coefficient responses to a step angle of attack of the airfoil, leading and 

trailing control surfaces, i.e. a = l(rad), r)te = l(rad) and r)te = l(rad), respectively. Control 

surface chords of 20% are considered. The airfoil was modeled using 40 vortex elements, i e, 

km=40. The wake was modeled using 160 vortex elements, i.e, kmm=200. The total number 

of vortex elements (or aerodynamic degrees of freedom) was 200. The vortex relaxation factor 

was taken to be a = 0.992. The nonlinear Coulomb dry friction moment, Md, is set to zero. 

Figure 3 shows the lift coefficient of the airfoil vs nondimensional time, T (T = ^-). 

The solid line is for a = l(rad), the broken line is for rjie = l(rad) and the dashed line 

is for T]te = l(rad), step angle of attack excitations. Figure 4 shows the corresponding 

nondimensional pressure distributions vs nondimensional chord, x, as the flow reaches its 

steady state, r —> 00. A comparison between the present results and typical values of the 

aerodynamic coefficients from Ref. [15] is shown below in tabular form. 



u 
c 

"3 

o o 

0 10 15 20 

nondimensional time 

Figure 3: Lift coefficients of a thin airfoil vs nondimensional time, r, for several different 

step angle of attack excitations of the airfoil and control surfaces. 

Coefficients    Ref. [15]    present method 

CMACO. 0 -0.0037 

CMACTHC -0.64 -0.65 

CMACriie 0.16 0.165 

CLCC 2TT 6.271 

^Lljte 3.45 3.398 

CLT)U 
0.255 0.266 

The agreement is very close. 

Consider now the present three dimensional flow model for the wing. Here again the 

aerodynamic coefficients are calculated. The wing was modeled using 400 vortex elements, 

i.e, km=40, kn=10. The wake was modeled using 800 vortex elements, i.e, kmm=120. The 

total number of vortex elements (or aerodynamic degrees of freedom) was 1200. The control 

surface chords are 20% of the total wing chord and the spans are 50% of the total wing span. 

The control surfaces are located on the outer half of the wing span. Both local and total 

aerodynamic lift coefficients are considered. The nonlinear Coulomb dry friction moment, 

Md, is set to zero. 

9 



<u 

C/3 

J-H 

"öS r 
.2 
'c/3 
c <u 

13 
C o c 

u 

8 

\  '       ' 
i       I       I H         1         1         1 

6 1    \ - 

4 - 
i\ 

>\ i  \ 

2                       /    \ 

0 ~ ,--" 

2 —                              t 

i       i       i i         I         I         1 

0   0.1  0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9    1 

chord, x 

Figure 4: The nondimensional pressure distribution of a thin airfoil vs nondimensional chord 

position for different step angle of attack excitation as r —> oo. 

The local lift at y — yj is obtained by integrating the pressure difference along the local 

chord-line. 

L\£a(Vj)= I* &Pt+l(x,yj)dx (19) 
J 0 

The local lift coefficient Cj:/oca/ at y = yj is defined as 

cn0uyJ)=Li:c
i

al(yJ)/(1-pu2c) (20) 

The total lift is obtained by integrating the local total lift along the span. 

rl+rr *" 

J'=l 

Lt+l = f+rf L^Mdy = I£ ti&tiv-)Ay 
JrS 7 = 1 

where Ay = -T- and kn is the number of spanwise discrete elements. 
C Kn 

The total aerodynamic lift coefficient, Q is defined by 

Cf+1 = Lt+ir-pU2Aw 

where Aw is the total wing area. 

(21) 

(22) 
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The results are shown in Figure 5(a)-(b) for step angles of attack of the wing, leading 

and trailing control surfaces, respectively. Figure 5(a) shows the total lift coefficient of the 

wing vs nondimensional time, r. The solid line is for a = l(rad), the dashed line is for 

?7(e = l(rad) and the broken line is for rjte = l(rad), step angle of attack excitations of the 

aerodynamic flow. All results have reached their steady values when r > 10. The steady 

total lift coefficients of the wing are CLo — 1.97, CLr)te = 0.73 and CLvie — 0.021. Note that 

the lift contribution due to the leading edge control surface is quite small relative to the 

wing and trailing edge control surface. Figure 5(b) shows the corresponding nondimensional 

pressure distribution at mid-span vs nondimensional wing chord as r —> oo. For the step 

angle of attack excitation of the wing, the maximum pressure is near the leading edge. For 

the leading control surface, the maximum pressure is still at the leading edge, but there is 

a negative peak pressure (Ap = -2.2) at x = 0.22, i.e. near the trailing edge of the leading 

edge control surface. The pressure distribution is almost zero when x > 0.3. For the trailing 

edge control surface, the maximum pressure is (Ap = 2.7) at x = 0.82, i.e near the leading 

edge of the trailing edge control surface. 

Figure 6 (a) shows the local lift coefficient of the wing vs nondimensional span. As 

expected, the local lift coefficient decreases near the tip and root of the wing for the step 

angle of attack excitation of the wing. (Note that an anti-symmetric vortex condition is 

used). The maximum value of 1.76 at y — 0.55 is about 28% of that for a thin airfoil. 

For the leading edge control surface step angle of attack excitation, the maximum local lift 

coefficient is 0.024 at y = 0.65. For the trailing edge control surface step angle of attack 

excitation, the maximum local lift coefficient is 1.06 at y = 0.75. Figure 6 (b) shows the 

local moment coefficient of the wing vs nondimensional span. For the step angle of attack 

excitation of the wing, the maximum value is 0.11 at y = 0.25. For the leading edge control 

surface excitation, the maximum local moment coefficient is 0.14 at y = 0.75. For the trailing 

edge control surface excitation, the maximum local moment coefficient is -0.47 at y = 0.75. 

Figure 5 and Figure 6 are the results for the right wing. For the left wing, the aerodynamic 

excitations and forces are anti-symmetrical with respect to the center axis of the fuselage. 

Note that rolling is not permitted in this purely aerodynamic simulation. 
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Figure 5:   Aerodynamic response to step angles of attack for wing, leading and trailing 

edge control surfaces,   (a) total lift coefficients, (b) nondimensional pressure distribution 

(r —> oo). 
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Figure 6: Aerodynamic response to step angles of attack for wing, leading and trailing edge 
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Figure 7: rolling effectiveness, RE, vs dynamic pressure, A, for different r. 

bß 

"5b 

0    0.2   0.4   0.6   0.8     1     1.2   1.4   1.6   1.8 

dynamic pressure 

Figure 8: Elastic twist angle, a, vs dynamic pressure, A, for different r. 
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Figure 9: variation of notmalized rolling rate, P, vs dynamic pressure, A, for r— 3, 2, 0 and 

-2. 

2. Numerical Results for Effectiveness of Control Surfaces 

A standard discrete time marching algorithm has been used to calculate the static response 

of this aeroelastic system using the full aerodynamic model, Eq.(16), and also the reduced 

order aerodynamic model, Eq.(17). The time step is constant for a given flow velocity U, 

At = Ax/U. For these calculations, xe = 0.3, üTa=0.131 kgm/rad and Md = 0. The rotation 

angles of the leading and trailing control surfaces, rju and r)te are the variables for a given 

flow velocity. 

For the following discussion, the non-dimensional dynamic pressure A, rolling effective- 

ness, RE, and rolling rate normalized by the trailing edge control surface rotation, P are 

defined as 
pU2c3       ni7_      (pl/U) 

A = 
Kn 

, RE 
(pl/U) RIGID 

,   \R = \\pl/u=0 

and 
(pl, (23) 

Figure 7 shows the rolling effectiveness, RE, vs dynamic pressure, A for several different 
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ratios of leading to trailing edge control surface rotation. Rolling reversal occurs, i.e. $ = 0 

when A =1.1, 0.6, 0.4, 0.3, 0.2, 0.15 for r = 3, 2, 1, 0, -1 and -2, respectively. Note that XR 

decreases as r decreases. Figure 8 shows the twist angle, a, vs dynamic pressure. The twist 

angle increases as dynamic pressure increases and r decreases for the range of parameters 

shown. 

Figure 9 shows the variation of rolling rate, P, vs dynamic pressure,A, for r= 3, 2, 0 

and -2. In our linear aeroelastic model the rolling rate is proportional to the trailing edge 

rotation for a fixed ratio of leading to trailing edge rotations. Thus the inverse of Figure 9 

may also be interpreted as the trailing edge rotation required for a given rolling rate. 

Note that to achieve the maximum rolling rate one should reverse the sign of r near 

A = Afi|r=0 as was found previously for simpler models [9]. 

Theoretical and Experimental Correlation 

For the present computational and experimental model, the aerodynamic and structural 

parameters are described in the previous Section, "Experimental Model and Measurements". 

The measured torsional stiffness is KQ=0.032 kgm/rad. The trailing edge control surface 

rotation is 774 = 5°. Three typical cases for leading edge control are considered, i.e. the ratios 

of leading to trailing edge control surface rotations are r=-l,0 and 1. 

The dry friction damping moment between the spindle support and the aeroelastic wing 

model, Md, is determined by a experimental method as follows. From the wind tunnel test, 

a specific flow velocity called Ud can be determined where the rolling is just started from a 

rest state due to the aerodynamic rolling moment over-coming dry friction moment in the 

test model. Note that this flow velocity varies with the structural paramenters. Substituting 

the known Ud and p = 0 into Eq.(10) and (13), the state variables, r\Tt+l and at+1 can 

be solved using a standard discrete algorithm. Using Eq.(15), the Coulomb friction moment 

Md of this system can be determined by 

^ = {ft}T{r}w + {Ci}T{r}' (24) 

where 

Md = MdPUy (25) 
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Note that & = 1 when p - 0. 

The Coulomb friction moment, Md, obtained from the experiment has a small variation 

with r. An average value, Md=0.00021 kgm, is used in the following calculations. 

Eq.(16) or (17) is a nonlinear equation to determine p and a when Md is known. The 

computational procedure is follows. 

Assuming a set of initial values, T*,«* and pf = 0, the state variables of the next time 

step, t + 1, can be calculated using Eq.(16) or (17). Now if 

|{c2}
T{r}m + {Ci}T{r}'| < Md 

then p = 0; otherwise the computational code is time marched using the previous state as 

the set of initial conditions until the system achieves a steady state. It is noted that the 

transient time histories computed here are for very light (zero moment of inertia) wings and 

hence they are not shown as they are of little physical interest. Later studies will incorporate 

realistic moments of inertia. 

Figure 10 shows the steady state rolling rate vs flow velocity and a comparison of theory 

and experiment for a certain combination of leading and trailing edge control surface rota- 

tions, i.e. zero leading edge control surface rotation, r=0, and the flexible torsional stiffness 

case. Note that two theoretical results are shown, with (solid line) and without (broken line) 

the dry friction of the spindle support mechanism included. The symbols of A and o points 

are results obtained from the experiment. The o points show the results when increasing 

flow velocity and the A points are for when decreasing flow velocity. The above two ex- 

perimental results are very close except for the flow velocity at which rolling starts when 

increasing flow velocity or stops when decreasing flow velocity. The starting flow velocity 

is about Ud=lO.S m/s and the stopping flow velocity is about 5.4 m/s. This difference is 

because there is an inertial rolling moment when the flow velocity is decreasing and the wing 

is still rolling. From this figure it is seen that the theoretical reversal flow velocity is in a 

range from U = 21.5 —> 25 m/s for dry friction damping included, and at a point velocity at 

U = 23.6 m/s for no dry friction damping included. The experimental reversal flow velocity 

is also in a range from U = 21.6 —> 24 m/s for increasing flow velocity, and U = 21.5 —> 23.7 

m/s for decreasing flow velocity. 

Figure 11 shows the corresponding rolling rate vs flow velocity for the rigid torsional 

stiffness case.   The lines and symbols shown in this figure (and following figures) are the 
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„game as for Figure 10. Accounting for the dry friction improves the quantitative agreement 

between theory and experiment both for the rigid and flexible torsional stiffness cases. 

Figure 12 shows the rolling rate vs flow velocity for r=l and the flexible torsional stiffness 

case. The experimental starting flow velocity is about Ud-7.5 m/s and the stopping flow 

velocity is about 5.2 m/s. From this figure it is also seen that the theoretical reversal flow 

velocity is in a range from U = 25 -> 27 m/s for dry friction damping included, and a point 

velocity at U = 26.5 m/s for no dry friction damping included. These are higher than those 

for r=0 case. The experimental reversal flow velocity is also in a range from U = 26.5 -> 27.6 

m/s for both increasing and decreasing flow velocity. A similar result is shown in Figure 13 

for the rigid torsional stiffness case. 

Figure 14 and Fig. 15 show the rolling rate vs flow velocity for r=-l for the flexible and 

the rigid torsional stiffness cases, respectively. The experimental starting flow velocity is 

about 1^=12 m/s. The theoretical reversal flow velocity is from U = 19 -> 23 m/s for dry 

friction damping included, and a point velocity at U = 21.5 m/s for no dry friction damping 

included. The experimental reversal flow velocity is from U = 17.2 -*• 21 m/s for increasing 

flow velocity. The difference between the experimental data for increasing and decreasing flow 

velocity is larger for r=-l than for r=0 or +1 due to smaller rolling rate, i.e. there is a smaller 

aerodynamic rolling moment relative to the dry friction damping moment. For decreasing 

flow velocity, the stopping flow velocity is at 19.1 m/s. For the rigid torsional stiffness case, 

as shown in Figure 15, the agreement between theory and experiment is closer because the 

aerodynamic rolling moment is more dominant relative to the dry friction damping moment. 

To more clearly show the effects of the parameter, r, on the reversal flow velocity and 

rolling rate, &, a summary of data from Fig.10-15 is shown in Figure 16 and Fig. 17. Figure 

16 shows the rolling rate vs flow velocity for r=-l,0 and 1, and the flexible torsional stiffness 

case. Figure 17 shows the corresponding rolling rate vs flow velocity for the rigid torsional 

stiffness case. Comparing Figure 16 to Figure 7 or Figure 9, it is found the reversal flow 

velocity decreases as r decreases both theoretically and experimentally. 

Concluding Remarks 

The generally good agreement between theory and experiment is encouraging and perhaps 

even a bit of a pleasant surprise. It is encouraging because it confirms that the adaptive 

use of a combination of leading and trailing edge control surfaces can lead to substantially 
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Figure 10: Rolling rate vs flow velocity: Comparison of theory and experiment for r= 0, 

and with flexible torsional stiffness. Two theoretical results are shown, with (solid line) 

and without (broken line) the dry friction of the spindle support mechanism included. Two 

experimental results are shown, the o points show the results for the increasing flow velocity 

and the A points for decreasing flow velocity. 
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Figure 11: Rolling rate vs flow velocity: Comparison of theory and experiment for r- 0, and 

with rigid torsional stiffness. 

1.5 

1 

0.5 

0 

-0.5 

-1 

N 

<U 
03 
l-H 

C 

O 
i-H 

■1.5 

1          1          1 1                  1 

„ * - ^ 

—. '                             /Tü^ ~" 
* 

f' A4* 
/ A / 

- 

- 

1                  1                  1 1 

0 10       15       20       25 

flow velocity, m/s 

30 

Figure 12: Rolling rate vs flow velocity: Comparison of theory and experiment for r= 1, and 
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Figure 14: Rolling rate vs flow velocity: Comparison of theory and experiment for r= -1, 

and with flexible torsional stiffness. 

20 



2.5 

N 

4—> 
cd 

ö 

2  - 

1.5   - 

•-1 1 ä 1   ~ 
o 

0.5   - 

0 
0 10        15        20        25 

flow velocity, m/s 
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Figure 17: Rolling rate vs flow velocity: Comparison of theory and experiment for r= -1,0 

and 1, and with rigid torsional stiffness. 

improved rolling performance in aerospacecraft and by implication enhanced performance 

for other maneuvers as well. 

It should be emphasized that to obtain good quantitative ajieement between theory and 

experiment it was necessary to model the nonlinear dry friction damping at the interface 

between the wing experimental model and its support mounting. In a freely flying model 

such dry friction would not be present of course. 

The good agreement between theory and experiment may also be a bit surprising for those 

who have been aware that often the prediction of aerodynamic characteristics of control sur- 

faces has been found to be deficient relative to measured values. While direct measurements 

of the aerodynamic characteristics of the leading and trailing edge control surfaces have not 

been made here, nevertheless the very good agreement between theory and experiment for 

rolling rates as a function of dynamic pressure suggests that our theoretical aerodynamic 

model has been more than adequate to predict the aerodynamic performance of the control 

surfaces. This may be because for the present experimental model there is no gap between 

the wing and the control surfaces that would lead to leakage flows. On the other hand viscous 

effects per se, which are often cited as a possible source of disagreement between measured 
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and computed values, must not be significant here even though the Reynolds' number based 

upon total wing chord is only about 136000 for U=20 m/s. 

Finally a few words about possible next steps. Even though we have used time march- 

ing simulation to compute the steady state rolling performance, the present experimen- 

tal/theoretical study is essentially for static equilibrium conditions. It will be of considerable 

interest to extend the theoretical and experimental work to dynamic, transient conditions. 

Such a study is planned and preliminary work is underway. 
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ABSTRACT 

In the present paper, a transient response study of the effectiveness of trailing and leading 

edge control surfaces has been made for a rolling wing-fuselage model. An experimental 

model and wind tunnel test are used to assess the theoretical results. The theoretical model 

includes the inherently nonlinear dry friction damping moment that is present between the 

spindle support and the experimental aeroelastic wing model. The roll trim equation of 

motion and the appropriate aeroelastic equations are solved for different combinations of 

leading and trailing edge control surface rotations using a reduced order aerodynamic model 

based upon the fluid eigenmodes of three dimensional vortex lattice aerodynamic theory. 

The present paper provides new insights into the transient dynamic behavior and design of 

an adaptive aeroelastic wing using trailing and leading edge control surfaces. 
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NOMENCLATURE 

A, B vortex lattice aerodynamic coefficient matrices 

c wing chord (including the leading and trailing control surface chords) 

Ia, I<p torsional and rolling inertias, respectively 

Ma Coulomb friction damping moment coefficient 

km, kn numbers of vortex elements on wing in x—, y— directions, respectively 

kmm total number of vortices on both the wing and wake in the x— direction 

Ka torsional stiffness of the wing 

I wing span 

p rolling rate 

ps static or steady state rolling rate 

T = nk. 
Vie 

Ra degrees of freedom of reduced order aerodynamic model 

t time 

U airspeed 

x, y streamwise and spanwise coordinates 

X, Y right and left eigenvector matrices of vortex lattice eigenvalue model 

Z eigenvalue matrix of vortex lattice aerodynamic model 

a twist angle of the wing 

(ft rolling angle 

£ damping coefficient 

T the vortex strength 

At the time step, Ax/U 

Ax =f- km 

poo        air density 

rjie, t]te   rotational angle of leading and trailing control surfaces 

0 d()/dt 

Introduction 

Some interesting results reported from the Active Flexible Wing (AFW) program [1] 

and more recent work [2-6] on Active Aeroelastic Wing (AAW) technology have shown that 



an appropriately chosen combination of leading and trailing edge control surface deflections 

plus an adaptive control law can be used to achieve improved rolling performance and/or to 

minimize roll maneuver loads. As reported previously [7,8], the same conceptual benefit that 

can be obtained by using an adaptive torsional stiffness change can also be realized by using 

an adaptive aeroelastic wing with the gearing ratio between leading and trailing edge control 

surfaces programmed to change with flight dynamic pressure. Also some new actuation 

technologies are currently under development for high-bandwidth actuator, leveraging high 

energy density materials such as piezoceramics. Two such actuation technologies include 

the X-frame actuator developed at MIT [9] and the V-stack actuator developed at Duke 

University [10]. Thus, implementation of an adaptive aeroelastic wing with leading and 

trailing edge control surfaces appears promising. 

Reference [7] considered theoretically the basic adaptive concept and the fundamental 

physical phenomena for two models, (1) an airfoil and (2) a rolling wing. The theoretical 

results have been validated by subsequent experimental work [8]. In Ref. [8], a wind tunnel 

wing-fuselage model with leading and trailing edge control surfaces has been designed and 

tested to measure the steady state rolling effectiveness vs flow velocity for different combi- 

nation of leading and trailing edge control surface rotation. Time marching simulation has 

been used to compute the steady state rolling performance, but the experimental/theoretical 

study was essentially for static equilibrium conditions. A three dimensional incompressible 

(linear) vortex lattice aerodynamic theory and a corresponding reduced order aerodynamic 

model was used in [7,8] and in the present analysis, see [11]. Steady state results for subsonic, 

compressible flow can be obtained using the Prandtl-Glauert scaling law. It is noted that 

for the wind tunnel test model, there is a nonlinear dry friction damping arising from the 

rubbing or sliding between the experimental aeroelastic wing-fuselage model and the support 

spindle. This nonlinear factor is considered in the experimental-theoretical correlation study. 

Extending the work of [7,8], dynamic, transient conditions are considered in the present 

paper. A dynamic roll trim equation of motion of the wing-fuselage model with multiple 

control surfaces has been derived including aeroelastic effects and solved using a time march- 

ing technique. The capabilities of multiple control surfaces to effect roll maneuver transient 

response of the wing-fuselage model with a torsionally flexible wing are examined theoreti- 

cally and experimentally. These results provide new insights into the dynamic behavior and 

design of an adaptive aeroelastic wing using trailing and leading edge control surfaces. 



Experimental Model and Measurements 

The experimental model consists of a right and left wing and a fuselage (slender body). 

For simplicity, the wing model is a rectangular aluminum plate of thickness 0.317 cm, total 

chord length (c) of 10.16 cm (including the leading and trailing control surface chords) and 

span length (I) of 10.16 cm. The plate has a very large bending and torsional stiffness and 

thus the wing per se is assumed to be rigid. The torsional flexibility of the wing is provided 

by a fiat spring at the wing root which can be adjusted. The elastic axis is placed at the 

quarter of the wing chord. In order to place the chordwise center of gravity axis of the wing 

at the elastic axis as well, the leading edge control surface is made of brass and the trailing 

control surface is made of aluminum plate. Also a small slender body mounted at the wing 

root is used to provide weight balance. The leading and trailing control surfaces each have 

a chord length of 1.73 cm (17%c) and a full span length of 10.16 cm (100%/) hinged on the 

leading and trailing edges, respectively. The rotation angle of each control surface can be 

adjusted. 

The fuselage has a circular cross-section with a diameter of 2.54 cm. It includes two 

parts. The front part is a slender body with a parabolic forebody which can rotate about 

the fuselage center axis and supports the wings. The rear part is a non-rotating slender body 

with a parabolic aftbody which is used to support the front portion of the slender body and 

is connected to the wind tunnel floor by a support or sting rod. See Figure 1. 

The wings are allowed to rotate (roll) about the center axis of the fuselage. The start and 

stop mechanism for the rotation is provided by an electrical magnet brake. The transient 

rolling state (rolling angle) is measured by an Optical Shaft Encoder, Ell, with 500 pulses 

per revolution mounted on the rear end of the non-rotating portion of the slender body. 

Every pulse corresponds to a certain rolling angle. But the time duration for one pulse may 

be changed during the experiment. 

Note that in the experimental testing protocol, the control surfaces are at a fixed rotation 

and the magnetic brake is used to prevent roll until a steady state aerodynamic field and 

aeroelastic deformation is achieved. Then the brake is released and the rolling transient is 

observed and measured. 

A physical representation of wing model geometry along with a three-dimensional vortex 

lattice model (linear) of the unsteady flow is shown in Figure 1 and a photograph of the 
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Figure 1: Physical representation of experimental model. Also shown is a three-dimensional 

(linear) vortex lattice model of the unsteady flow. 

aeroelastic model in the wind tunnel is shown in Figure 2. 

Dynamic Aeroelastic Theoretical Model 

As shown in Figure 1, a straight rectangular wing with leading and trailing edge control 

surfaces that are full span is considered. The theoretical/experimental model is symmetrical 

about the center axis of the fuselage. The aerodynamic forces on the fuselage (slender body) 

are neglected. The dynamic equation of torsional equilibrium about the elastic axis of the 

rigid wing expresses the balance of moments about the elastic axis due to the elastic spring 

and the aerodynamic forces in the Eulerian coordinate system (x,y,z). 

Iaä + Kaa + Mv = 0 

or 
fl+Tf    re 

Iaä + Kaa+ /  Ap(x,y)(x — xe)dxdy = 0 
Jrr      Jo 

(1) 

(2) 

where Ap(x, y) is the pressure distribution on the wing, xe is the distance from the elastic 

center to leading edge of the wing, Ia and Ka are the torsional inertia and stiffness, and a 

is the twist angle of the wing. 77 is the radius of the slender body (fuselage). 



Figure 2: Photograph of the aeroelastic model in the wind tunnel. 

The rigid body dynamic rolling equation of equilibrium about the center axis of the 

fuselage is expressed as follows. 

6       rl+rf 
Irf + Md^- - / 

Jr 

or 
101       -"7 

i+Tf 

Lydy = 0 

q>        rl+rf     rc 

i^4> + M*TT\ - I    y J AP(X> v)dxdv = o 

(3) 

(4) 

In this equation a dry friction damping moment between the spindle support and the aeroe- 

lastic wing model is taken into account. 1$ is the rolling inertia and <fi is the wing rolling 

angle. Mj is the nonlinear Coulomb friction damping moment coefficient 

Introducing non-dimensional quantities into Eq.(2) and (4) as follows, 

Ap(x, y) = 

1   =^- 

Ap(s, y) 
pU2 

x Jja 

X   — , XQ   — 
c c 

_    y 
y = - c 

U = 17 K« A   TJ Md 
Kn =   „„ „   and   Md 

pU2(?      ' pU2c3 

the dimensionless equations corresponding to Eq.(2) and (4) are 

  r(l+rf)/c    /-l   
IQä + Kaa + /   Ap(x,y){x — xe)dxdy = 0 

JTf/c JO 

pU2cz 

(5) 



•and 
_      <j> Kl+Tf)/' _   ..           (h fV+rf)/c       ri  

1$ + Mdjj:- y     Ap(x, y)dxdy = 0 (6) 
0 Jrflc JO 

To model the above aeroelastic structural/fluid system, the aerodynamic flow about the 

structural model is assumed to be incompressible, inviscid and irrotational. Here an unsteady 

(linear) vortex lattice method is used to describe this flow. The wing and wake are divided 

into a number of elements. In the wake and on the wing all the elements are of equal size, 

dx, in the streamwise direction. Point vortices are placed on the wing and in the wake 

at the quarter chord of the elements. At the three-quarter chord of each panel element a 

collocation point is placed for the downwash, i.e. the velocity induced by the discrete vortices 

is required to be equal to the downwash arising from the unsteady motion of the wing. Thus 

the following relationship is obtained, 

kmrn 

«tf*1 = E tfo-rr1.        » = 1» km (7) 
0 

where w*+1 is the dimensionless downwash at the ith. collocation point at time step t+1, 

Tj is the jfth vortex strength normalized by cU, and Kij is an aerodynamic kernel function 

for the horseshoe vortex, km and kmm are the number of vortex elements on the wing and 

total number of vortices on both the wing and wake in the x- direction, respectively. For the 

three-dimensional incompressible flow, the kernel function is given by 

1        y/fa-xjay+ {y~i-yjb)2\ 

^(Vi - Vjb) xi - xja 

where Xi is the location of the ith collocation point, and yja and yjb are the locations of the 

two jth trailing vortex segments which are parallel to the x axis at y = ya and y = yb. 

The aerodynamic matrix equation (general) is given by 

[A]{r}t+1 + [B]{ry = [T]{w}t+1 (9) 

where [A] and [B] are aerodynamic coefficient matrices. [T] is a transfer matrix for deter- 

mining the relationship between the global vortex lattice mesh and the local vortex lattice 

mesh on the wing. For the present model the wing span is finite and anti-symmetric about 

the center axis of the fuselage.   An anti-symmetric vortex condition is used for reducing 
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the aerodynamic degrees of freedom. In this case the aerodynamic coefficient matrix, [A], 

corresponding to the kernel function can be expressed as 

A = Kid(x, y, xa, ya, Xb, yb) ~ Kid{x, y, xb, -yb, xa, -ya) 

The nondimensional downwash, w, contains contributions from the steady angle of attack 

a, the wing rolling rate, p = ^, and rotational angles, r]ie,rjte of the leading and trailing 

control surfaces, respectively. For the present model, Eq.(9) is expressed in matrix form as 

[A]{r}t+1 + [B]{ry = {Ta}at+1 - {TP}fjt+l + {Tt}vte + {TL}vu (10) 

where {Ta} and {Tp} are the elastic twist and rolling rate transfer matrices for determining 

the relationship between the global vortex lattice mesh and the local vortex lattice mesh on 

the wing. {Tt} and {7}} are the transfer matrices for determining the relationship between 

the global vortex lattice mesh and the local vortex lattice mesh on the trailing and leading 

control surfaces, respectively. 

The nondimensional pressure distribution on the rigid wing at the jth point is given by 

Wj = ^[(r5+1 + r5)/2 + £(r*m - r<)] (11) 
i 

Substituting Eq.(ll) into Eq.(5) gives 

kn   km m 

laä + Kaa + E E (xm - are)[(r^ + r£j/2 + EOtl1 - r*J]Ay = o       (12) 
n=l m=\ i 

or as expressed in matrix form, 

Iaä + Kaa + {D2}
T{T}t+l + {A}T{r}' = 0 (13) 

where kn and km are the chordwise and spanwise numbers of vortex elements on the wing 

and here the superscript T indicates the matrix transpose. 

Substituting Eq.(ll) into Eq.(6) gives 

1   " kn km m 

hi + Md^ - {£ v» £ [Vnm + rL)/2 + EC^I1 - r£,)]}Ay = o       (H) 
l<P| n=l       ro=l i 

or as expressed in matrix form, 

hi + Md^ - {C2}
T{TY+l - {CrYiYY = 0 (15) 



where Di,D2,Ci and C2 are coefficient matrices describing the vortex element forces and 

moments on the wing. 

Thus, combining Eq.(10),(13) and (15), a complete static aeroelastic state-space equation 

in matrix form is obtained for the unknown variables, T, a and <f). 

t+i    r .,   ,      . t      f t+i 
A     0   Tp/U — J-a     ^ r B     0     0     0   0 r TtT)te + Til]ie 

Dl ä DT ä 0 

Cl         [K2\ < i >     + -er   m < i > — < -^4 
0 a 0 a 0 

0 U J 0 it) i     0 
(16) 

Following a similar treatment as described in Ref. [12], a reduced order aerodynamic 

model with static correction is constructed and the final aeroelastic state space model is 

given by 

t+i 

+ 
I       -Yl[I-A(A + B)-i]E 

G2XRa      K2 + G2(A + B)~1E 

t      , 
7  I        I 0 

e 

7 
e 

-ZRa      YlB(A + B)-'E 

*+i 

-(d + G2)(A + B^iTtVte + TlVle) + FN 

where where {9} = {ä, (j>, a, <j)} is a vector of unknown variables and 

(17) 

[Ki 

"  {D2}
T '   {Di}T   ' 

-Tp/U},{Ta},0] , [G2} = 
-{C2Y 

0 
, [Gi] = 

0 

0 - 0 

" 7a/At       0       Ka/2      0 

[K2] = 
0       I^/At      0         0 

-1/2        0       1/At      0 

0        -1/2       0      1/At _ 

■7a/At        0         KJ2        0 0 

0        -1+1 At       0            0 

-1/2          0        -1/At       0 
, {FN} = < -^4 

0 

0          -1 /2          0 -1/At _ 
■ 

0 
1.                            / 

(18) 



[A#a], [Xßa] are the reduced right and left eigenvector matrices of the vortex lattice aerody- 

namic model and [ZRO\ is a reduced aerodynamic eigenvalue matrix, T = Ar/ja7, with only 

the most dominant eigenmodes retained in the analysis. 

Numerical Study 

A standard discrete time marching algorithm has been used to calculate the dynamic 

response of this aeroelastic system using the full aerodynamic model, Eq.(16), and also the 

reduced order aerodynamic model, Eq.(17). The time step is constant for a given flow 

velocity U, At = Ax/U. For these calculations, the parameters of an experimental model 

studied here and in Ref. [8] are used. The measured torsional and rolling inertia moments 

are Ia = 8.22 x l^kgrns2 and 1+ = 8.95 x lQ-5kgms2 for r=0 or 1+ = 8.78 x lQ-bkgms2 for 

r=l or r=-l, respectively. The leading edge device for r=0 is (slightly) different from that 

for r=±l hence the difference in values for 1^. The measured torsional stiffness is Äa=0-.032 

kgm/rad. The trailing edge control surface rotation is rjte = 5°. Two typical cases for leading 

edge control are considered, i.e. the ratios of leading to trailing edge control surface rotations 

are r=0 and 1. The measured dry friction damping moment between the spindle support 

and the aeroelastic wine model is Md=0.00021 kgm. 

Consider now the present three dimensional flo.v model for the wing. The wing was 

modeled using 400 vortex elements, i.e, km=40. ki!=10. The wake was modeled using 800 

vortex elements, i.e, kmm=120. The total number of vortex elements (or aerodynamic 

degrees of freedom) was 1200. The aerodynamic eigenmodes are extracted from this model 

and a small number, Ra=ll, are used in the aeroelastic analysis. A convergence study has 

shown that i?a=ll is sufficient to give good accuracy. 

Figure 3(a) shows the transient response of rolling rate, p, for U=25 m/s, r=l and Md = 0 

(Note that p = (j>). The initial conditions for (f> and a are zero. There are three curves in 

this figure for three distinct cases. When both torsional and rolling inertia moments are 

considered the response is indicated by the broken line. This is a rising oscillatory curve. The 

aeroelastic oscillatory frequency is near the torsional natural frequency wa = 10Hz. (Note 

that the oscillatory frequency varies with the flow velocity). When only the rolling inertia is 

considered and the torsional inertia neglected, (Ia = 0), the response is indicated by the solid 

line. This is similar to a unit-step response of a first-order system. One of the important 

characteristics of this response is an exponential response function and convergence to a 
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Figure 3: Transient response for u=25 m/s and r=l. 

steady value. For reference, the static rolling rate for both Ia = 0 and 1$ = 0 is shown by 

the dashed-point line. Figure 3(b) shows the transient response of the rolling angle, <f>. The 

response is almost the same with and without torsional inertia included as shown by the 

broken and solid lines. There is a difference between the dynamic and static response for the 

rolling angle and this difference is constant when the steady state is reached. The value of 

the rolling angle is dependent on the rolling inertia and system damping. The rolling rate for 

both the transient dynamic and static or steady state response is the same when the steady 

state is reached. 

Examining the solid line curve of the figure 3, the transient response of this system can 

be described approximately by an exponential function, i.e. 

p(t)=Ps(l-e-St) (i>0) (19) 

where ps is a static rolling rate and £ is a damping coefficient. 

A curve fitting method is used to determined the damping coefficient from data such 

as that shown in Fig. 3. Figure 4 shows a typical transient response time history and the 

corresponding fitted data for U=15 m/s, r=l and M^ = 0. The time history and static 

rolling rate (steady value) are indicated by the solid line. The fitted data is indicated by the 

symbol of o . From these data a settling time, ts can be defined. The settling time is the 

time required for the response curve to reach within a certain range of the steady (static) 

value, say within 5%. This 5% tolerance criterion may be useful for studies of rolling rate 
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Figure 4: Transient response time history and corresponding the fitted data for u=15 m/s 

and r=l. 

control. For the present conditions, ts is 1.7 seconds as indicated by a dashed-point line. 

Figure 5 shows the transient response of the rolling rate for three flow velocities £7=15,27 

and 30 m/s for r=l, Ia = 0. The solid line is for the case of M^ = 0 and the broken line is for 

the case of Ma = 0.00021 kgm. For £7=15 and 30 m/s, the initial rolling rate is zero and the 

transient responses have the expected exponential response behavior. The rolling rate with 

dry friction damping is smaller than that without dry friction damping. For £7=27 m/s, the 

initial rolling rate is set to 1 Hz, thus a difference between with and without dry friction 

damping cases can be more readily seen. At this velocity, the steady rolling rate is p=0 

with dry friction damping included. In this case, the response does not have an exponential 

response behavior. 

Figure 6(a) and 6(b) show the system damping, £, and settling time, ts, vs flow velocity 

for r=l, Ia = 0. The solid line with the points, o, is for the case of Ma = 0 and the broken 

line with the points, A, is for the case of Mj = 0.00021 kgm. The results are obtained using 

a data fitting method. As shown in Figure 6(a), for the case of Md = 0.00021 kgm, there 

are some missing points for U < 7.5ra/s and 25m/s < U < 28m/s, because in these ranges 

the steady rolling rates are zero due to the effects of dry friction. The damping increases as 

the flow velocity increases and the damping is almost independent of dry friction damping 

over most, but not all, of the flow velocity range.  This means the system damping, £, is 
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Figure 5: Transient response curves for U=15, 27, 30 m/s and r=l. 

generally dominated by the aerodynamic damping.  As shown in Figure 6(b), the settling 

time,is, decreases as the flow velocity increases. 

Similar results are obtained for r=0 as will be shown later. It is interesting to note that 

the system damping, £, and settling time, ts, are very close to those for r=l, i.e. the effects 

of r on the aerodynamic damping and ts are very small. 

Now consider the rigid wing case, i.e. the torsional stiffness is infinite, Ka = co. Figure 

7 shows the transient response of the rolling rate for two typical flow velocities £7=6, 18 m/s, 

r=l and Ia = 0. The solid line is for the case of Md = 0 and the broken line is for the case of 

Md = 0.00021 kgm. For [7=18 m/s, the initial rolling rate is zero and the transient responses 

have a exponential response behavior. The rolling rate with dry friction damping is smaller 

than that without dry friction damping. For U=6 m/s, the initial rolling rate is set to 1 

Hz and the transient response of the rolling rate with dry friction damping approaches zero 

when t > 2.7 seconds. It does not have an exponential response behavior. Figure 8(a) and 

8(b) show the system damping, £, and settling time, ts, vs flow velocity for r=l, Ia — 0. The 

lines and symbols have the same meaning as in Figure 6. The results are similar to those 

for the torsionally elastic case, but the damping values are different. Structural torsional 

stiffness has a larger effect on the aerodynamic damping than the control surface rotation 
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angles, r. 

Figure 9(a) shows the transient response when increasing or decreasing flow velocity. 

The calculation model is a torsional elastic system with only the rolling inertia moment 

included for r=l and Ma = 0.00021 kgm. The solid line is for increasing flow velocity and 

the broken line is for decreasing flow velocity. There are eight (8) flow velocities considered 

in the calculation from U=9 m/s to 30 m/s with AU=3 m/s when flow velocity is increasing 

and U=27 m/s to 6 m/s with AU=3 m/s when it is decreasing. The calculation starts 

from the increasing flow velocity case with zero initial rolling rate. At each flow velocity, 

the computation is for 4 seconds. The computational time step, At, is 1/2048 seconds. 

The transient response is shown in time intervals of four (4) seconds for each flow velocity 

increment. For the next flow velocity (increasing AC/), initial conditions are provided by the 

previous transient response state. This process is continuous in time until the flow velocity 

increases to U=30 m/s. For the decreasing velocity process, initial conditions are provided 

by the last transient response of C7=30 m/s to calculate the transient response of U=27 m/s. 

This process is continuous in time until the flow velocity decreases to U=6 m/s. 

Figure 9(b) shows a' typical transient response for the increasing and decreasing flow 

velocity cases from U=18 m/s to 21 m/s and from [7=21 ..m/s to 18 m/s, respectively. The 

solid line is the result from the time history and the broken line is the result from a data 

fitting. The system damping is £=1.17 for U=21 m/s and the increasing velocity case, and 
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Figure 9: Transient time history for the increasing and decreasing flow velocities for r=l and 

Md = 0.00021 kgm. 

£=1.4 for U=18 m/s and the decreasing velocity case. 

Corresponsding to Fig.9, Figure 10(a) and 10(b) show the system damping, f, and settling 

time, ts, vs flow velocity. The symbol, o, is the result from the increasing flow velocity process 

and the symbol, A, is the result from the decreasing flow velocity process. Note that at U=6 

and 27 m/s, one cannot calculate the damping value, £, using the present data fitting method 

because of the discontinuous change in slope of the rolling rate as a function of time due 

to dry friction effects. See Fig.7. The two results from the increasing and decreasing flow 

velocity cases are very close. No detectable hysteresis phenomenon was found from the 

theoretical model, even though the effects of dry friction damping are included. 

Theoretical and Experimental Correlation 

For the present computational and experimental model, the aerodynamic and structural 

parameters are described in the previous Section, "Experimental Model and Measurements". 

The trailing edge control surface rotation is r]te = 5°. Two typical cases are considered in 

the experiment, i.e. the ratios of leading to trailing edge control surface rotations are r=0 

and r=l. 

From the experiment measurement, a time series of 500 pulses is obtained as shown in 
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Figure 11. t0, ti.... U  tn in the figure are the time sequence. Thus, the rolling angle at t\ 

is ^ rad and at U, the rolling angle is represented as 

<f) = i 
2TT 

5ÖÖ 
(20) 

As an example, Figure 12 (a) shows the measured data from Encoder transducer, Ell, 

for U=14.83 m/s for the case of r=l and the flexible wing. Because the measured data 

do not provide an exact square wave, an average pulse voltage is calculated as shown by 

the dashed line of Figure 12(a). The pulse time sequence ti is then determined using an 

intersection point of the ith pulse with the average line. The corresponding rolling angle can 

be determined using Eq.(20). The results are shown in Figure 12(b). 

A curve fitting method is then used to determine the damping coefncent,£, and the steady 

rolling rate, P. This method is simliar to that used in the theoretical analysis. The transient 

rolling rate is determined by a numerical differentiation method from the measured rolling 

angle data. 

Figure 13 shows the transient response history and a comparision of theory with exper- 

iment for U=14.83 m/s for the case of r=l and the flexible wing. The solid line shows the 

results from theoretical analysis and the symbols, •, are the results obtained from the exper- 

iment. The experiment is repeated over ten times. All the experimental results are shown 
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in Figure 13. Figure 13 (a) shows the transient response of rolling angle, 4>. Note that for a 

particular rolling angle, the pulse time is slightly different for each test run. Figure 13 (b) 

shows the transient response for the rolling rate, p. Theoretical and experimental results are 

in good agreement. 

Because the damping coemcent, £, is very sensitive to the measurement error, ten tests 

for each case are used in the present measurement. The mean value and error tolerance 

of the damping coemcent are then calculated. Figure 14(a) and 14 (b) show the system 

damping, f, and settling time, ts,vs flow velocity for r=l and the flexible wing. The solid line 

shows the theoretical results and the bars show the experiment data including measurement 

uncertainty. The agreement between theory and experiment is reasonably good. 

Similar results are obtained for r=0 as shown in Figure 15. The line and symbols shown 

in this figure are the same as for Figure 14. 

Figure 16 shows the transient response for r=l and the rigid wing. The solid line indicates 

the theoretical results and the dashed line is for experimental data. The agreement is again 

good. 

Concluding Remarks 

An experimental/theoretical correlation study for transient response of a rolling aeroe- 

18 



*AJ> 

5 10 15 20        25 

Flow velocity, m/s 
30 5 10        15        20        25 

Flow velocity, m/s 
30 

(a) System damping (b) Settling time 
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Figure 15: System damping, £, and settling time, £s, vs flow velocity for r=0. 

19 



\U> 

5 10        15        20        25 

Flow velocity, m/s 

(a) System damping 

30 

Flow velocity, m/s 

(b) Settling time 

Figure 16: System damping, £, and settling time, ts, vs flow velocity for the rigid case and 

r=l. 

lastic wing with leading and trailing edge control surfaces has been carried out. Good 

correlation between theory and experiment is shown. The transient behavior shows no un- 

usual or unexpected anomalies suggesting that state-of-the-art theoretical methods may be 

used with confidence for analysis and design. 
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ABSTRACT 

Aeroelastic control of wings by means of a distributed, trailing-edge control surface is of 

interest with regards to maneuvers, gust alleviation, and flutter suppression. The use of 

high energy density, piezoelectric materials as motors provides an appealing solution to 

this problem. A comparative analysis of the state of the art actuators is currently being 

conducted. A new piezoelectric actuator design is presented. This actuator meets the 

requirements for trailing edge flap actuation in both stroke and force. It is compact, 

simple, sturdy, and leverages stroke geometrically with minimum force penalties while 

displaying linearity over a wide range of stroke. The "V-Stack Piezoelectric Actuator," 

consists of a base, a lever, two piezoelectric stacks, and a pre-tensioning element. The 

work is performed alternately by the two stacks, placed on both sides of the lever. Pre- 

tensioning can be readily applied using a torque wrench, obviating the need for elastic 

elements and this is for the benefit of the stiffness of the actuator. The characteristics of 

the actuator are easily modified by changing the base or the stacks. A prototype was 

constructed and tested experimentally to validate the theoretical model. 

Keywords: actuator, stack, piezoelectric, stroke, leverage, aeroelastic 



1.        INTRODUCTION 

Modern dynamic systems require actuation schemes that should be fast, precise, powerful 

and produce large displacements. The actuation of trailing edge control surfaces (flaps) 

for the control of High Aspect Ratio (HAR) wings of Uninhabited Aerial Vehicles 

(UAV), or helicopter rotors, fits into this category. Given the electro-mechanical nature 

of the piezoceramics, piezoelectric actuators can be easily included in mechanical 

structures, hence piezoceramics are candidates for transduction in these systems. 

Piezoceramics are active materials which exhibit remarkable high energy density, low 

hysteresis, high temperature stability and high bandwidth. Usually, they are capable of 

producing high forces but low displacement. Using piezoelectric benders, one can obtain 

"large" displacement, but the compliance of such devices is significant and this makes 

them useless for high bandwidth actuation schemes. Given the mentioned characteristics, 

the need for stroke amplification devices arises. Lately, quite a bit of effort was put into 

designing and constructing such devices (Prechtl and Hall, 1998, 1999; Hal and Spangler, 

1995; Chandra and Chopra, 1998; Koratkar and Chopra, 2000; etc.) Very good results 

were obtained with the X-frame actuator (Prechtl and Hall, 1998, 1999). 

The goal of our current research at Duke University, is to develop an adaptive HAR 

wing. One problem for this kind of wing is flutter, which occurs at relatively low flow 

speed (approx. 32 m/s), limiting performance of UAVs. The flutter frequency is lower 

than 25 Hz. Here, we present the early development of a new actuator, that will be suited 



for flutter alleviation of the HAR wings by actuating discrete trailing edge flaps, 

distributed along the span of the wing. 

Considering the data obtained by Tang and Dowel (Tang and Dowell 2001), the 

requirements for this actuator are: Bandwidth of the actuator-flap system exceeding 25 

Hz. The maximum moment on the flap hinge (worse case scenario) is 2.1 Nm, which 

means a maximum force of 300 N at the actuator output. It should be light and compact, 

to fit inside the structure of the wing without significantly affecting it. It should be 

capable of ±6° deflection of the flap. The functional principle is simple and is based on 

geometrical amplification of stroke (stroke leveraging), using two piezostacks that work 

complimentary (while one expands, producing useful force/work, the other shortens and 

allows displacement. 

2. ACTUATOR CONSTRUCTION AND FUNCTIONALITY 

2.1 Actuator design 

A CAD (Solid Works) model of the prototype, which was built, is presented in Figure 1. 

As can be seen, the concept is quite simple. 

Base, 1, is an ideally rigid part, and is meant to support the whole mechanism, and to 

serve for attachment of the actuator to the housing structure. The base material should be 

light, for good mass efficiency, should have a high Young's modulus and should be wear 



resistant. The wear problem could be alleviated by using low friction material sleeves on 

the surfaces in contact with the ends of the stacks. Titanium is an appealing solution, but 

for the prototyping phase it is too expensive. Another choice is a hybrid composite 

reinforced with S-2 Glass® (produced by Owens Corning Corp.) and carbon fibers. 

Naturally, this part could be easily manufactured out of steel, and for applications where 

weight is not critical it is a reasonable choice. To avoid complications for this phase of 

actuator development, we have chosen to build the base out of bronze, even though this 

adds some undesirable compliance to the actuator. 

This component has a geometrically simple construction and the only "special" 

requirements are related to the cylindrical surfaces that serve as pivoting surfaces for the 

stacks, and a good "snug" or even tight fit with tensioning element 6. 

Figure 1. Actuator construction: I-base, 2-lever, 3 - piezoelectric stacks, 4 - actuator tip, 5 - pivoting pin, 

6 - pre-loading element, 7 - nut, 8 - mounting bolts. 



Lever, 2, is the part that transfers the amplified motion to the structure that has to be 

actuated and it is also like a "backbone" of the actuator. The lever pivots about the axis of 

the pin 5 (Figure 1) and transfers the useful work to the structure. It is also the part that 

transmits the "pre-load" to the stacks. The cross section is to be designed such that the 

lever will have a mass moment of inertia as small as possible with respect to axis of 

pivoting but have a high Young's modulus (ideally infinite), in order to maximize the 

stiffness of the actuator. In order to obtain the geometric maximum stroke amplification, 

lever 2, should be perfectly rigid. Of course this is not practically possible, but choosing a 

material with high Young's modulus, by proper design of the part and by pre-loading the 

mechanism, a high rigidity could be obtained. Because of dynamic considerations and 

mass efficiency, the mass of the lever should be as low as possible, so an optimization- 

approach should be used to design this part. 

Piezo-stacks, 3, are of a "classic" PZT multi-layer construction. After a market study on 

the manufacturers of piezoelectric materials, the choice was Noliac A/S, Denmark. The 

stacks are 80 mm long, have a square (10mm x 10mm) cross sectional area and are made 

of 39 layers of Pz27. 

This is a high performance piezoelectric material, operating at relatively low voltage, and 

generating large displacements (0.175% at maximum positive voltage). The maximum 

operating voltage is -50/+300V. Displacement at V max is -23/+140 |J,m. The cross 

sectional area of the stacks is to be calculated as a function of the load. In section 2.2, the 

relationships between various constructive parameters of the actuator, load, and stroke 

are analyzed. As a general rule, in order to avoid buckling of piezo-stacks, their length is 



recommended to be less than ten times the characteristic dimension of the cross-section 

(diameter in case of circular cross-section or the shorter side length in case of rectangular 

cross-section). The special feature of the construction is the end-cap, which has to be 

such that it will hold the piezo-stack and will make the mechanical connection between 

the stacks and the other elements (base and lever), possible. 

Pivoting pin 5, tensioning element 6 and nut 7, form a sort of sub-assembly. Lever 2, 

rotates about the axis of pin 5. This sub-assembly also serves for pre-loading the 

mechanism. By simply tightening or loosening nut 7, a certain pre-loading force is 

created, such that the actuator will operate along the "'impedance matched load 

characteristic". The prescribed pre-loading force can be easily applied by using a torque- 

wrench or a regular wrench. 

All the parts were machined in the Engineering Department Instrument Shop with 

conventional tooling. There is no need for very high precision machining. 

2.2       Actuator Operation 

The useful work is produced by displacement of the tip of the actuator as lever 2 pivots 

about the axis of pin 5. Oscillation of 2, about 5 is produced by making one stack expand 

and the other contract at the same time. The stroke amplification is obtained due to the 

geometry of the actuator, presented in section 2.3. Because the two stacks work 

complimentary (one expands, while the other contracts), there is a need to apply a bias 



voltage such that the negative AC voltage peak will not go below -50 V. The 

voltage/displacement characteristic of the material is linear, such that the signals on the 

two stacks have to be in opposition of phase and symmetric with respect to the bias 

voltage. The actuator operates at full potential when the bias voltage is +125 V, and AC 

signal is +175/-175 V. 

2.3      Actuator Geometry 

Due to the fact that piezoelectric materials exhibit very small displacements, but are 

capable of withstanding high forces, an actuator that uses such materials as motors is 

required to amplify the active material motion. The present actuator is based on a simple 

idea of leveraging the stroke geometrically. 

In Figure 2, the geometrical scheme of the actuator is presented. 

Notations: 

B - horizontal offset distance of the pivoting point of the stack, at the base of the 

actuator; 

Lb - distance between the pivoting point of the lever and the pivoting point of the stack, 

at the base of the actuator; 

e - eccentricity, which is the vertical offset distance between the pivoting point of the 

lever and the stack pivoting point at the base of the actuator; 

b - horizontal offset of the pivoting point of the stack at the tip of the actuator; 



R- distance between the pivoting point of the lever and the point of actuation; 

t - vertical offset distance between the pivoting point of the stack (at the tip) and the 

point of actuation; 

T- point of actuation (where the load is to be connected) 

s - stroke; 

L - distance between the pivoting point of the lever and the "line that connects the 

pivoting points of the stacks at the "tip" of the actuator; 

Ls - length of the stack (actual length of the piezostack); 

e - linear strain of the stack; 

| - total elongation of the stack; 

Lsp - distance between the pivoting points of the stack (characteristic of the stack); 

Ls, - theoretical length of the stack (between base pivoting point and theoretical point of 

intersection of the axis of the stack with the axis of the lever); 

Lset - theoretical length of the stack after expansion (due to the applied voltage); 

L„,- theoretical length of the stack after contraction (due to the applied voltage); 

Lt - theoretical length of the lever (distance between the pivoting point of the lever and 

the intersection of the lever axis with the axis of the stack); 

i|/ - angle between the axis of the stack and axis of the lever at "zero" voltage; 

\|/e,c- angle between the axis of the stack and axis of the lever at a certain applied voltage 

(e stands for elongated and c stands for compressed); 

§ - actuation angle (angle between the axis of the lever at "zero" and the final position of 

the axis); 

ks - amplification ratio (ratio between the stroke - s and the elongation of the stack - £) 



An important requirement of the actuator is the geometrical linearity. This is important 

because the actuator is to be integrated in linear control schemes. Analysis of the actuator 

geometry showed that the actuator behaves linearly within a wide range (comparative to 

the strain range of the piezostacks). 

^ << 

Figure 2. V-Stack Actuator Geometry 

The geometrical characteristic of interest is the stroke, s. The "exact" stroke is given by: 
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A linear expression for 5 is: 

s = ksE, -kseLs (2) 

where: 

k. = R 

BL 

B-b 

p2 + (L-Lspy-(L + —-Lsp) 
B-b 

(3) 

Amplification ratio, ks is obtained by taking the derivative of the stroke with respect to the 

elongation. Equation (3) is obtained by neglecting small terms (higher order). 

From (3), it can be seen that ks, is a function only of the actuator characteristics, B, b, L, 

'-'Sf 

The position angle O, between the axis of the leverm the "neutral" or "non-displaced" 

position and the axis of the lever in "displaced" position is to be determined using the 

following equations: 
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d> = kJ = k<beLs (4) 

where k^, is: 

BL* 

K= , B~b  —b  (5) 
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B-b 

Similarly, one obtain linear equations for the angle between the "elongated" stack and the 

"neutral" axis, and the "shortened" stack and "neutral" axis respectively. Angle 6 is 

calculated as: 

Then: 

sin0 = 0 = ^-^ (6) 
L 

sp 

©,=© + **£ (7) 

ec=e-kj (8) 
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A comparative graph is presented in Figure 3. There is a nearly perfect match between 

the "exact" and "linearized" results. The dimensions are as follows: 5=12mm, £>=5.5mm, 

Lsp=S0mm, L^Omm. 

For this particular construction, the stroke amplification is 9.167. Given the piezoelectric 

stacks peak-to-peak free displacement (163|im of the piezoelectric stacks), the maximum 

theoretical peak-to-peak stroke is 1.49mm. 
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Figure 3. Comparison between the exact and linearized results for stroke, s, amplification ratio ks and 

angles <j> and 6 
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3.        STATIC CHARACTERISTICS 

The construction of the actuator is such that the piezostacks are theoretically subjected 

only to axial forces. The axial force produced by the piezostacks (dss mode) is function of 

the applied voltage and the mechanical stiffness of the stacks (Giurgiutiu and Craig, 

1997; Prechtl and Hall, 1999) and writes as: 

FA FA 
F = ^-d33V-^-£ (9) 

In (9), Es is the Young's modulus of the piezostack, As is the cross section area of the 

piezo-stack, d^ is the piezoelectric constant, in m/V or C/N and V is the applied voltage 

and £ is the elongation of the stack. 

For the output force at the tip of the actuator, a similar formula can be written: 

Fml=Fb-Kmi,S (10) 

and 

Fb=K(Hltsf (11) 

Fb is the "blocked" force and s/is the free displacement at the tip, calculated with (12): 
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sf=k£f=k,d33V (12) 

where £/ is the free displacement of the piezostack. 

A linear model of the actuator (force balance at the tip, considering the lever perfectly 

rigid), leads to the following formula for the output stiffness: 

tf, = *A® (13) 
""       L,   K 

From (9) and (10), is obvious that if there is little displacement, the output force is large, 

and if the stroke is large, the output force decreases to zero as the stroke tends to Sf. 

4. ACTUATOR EFFICIENCY 

Speaking about actuator efficiency, there are two issues to be addressed: mechanical 

efficiency and mass efficiency (especially important in applications where mass is 

critical, like HAR wings). Giurgiutiu and Craig (1997) and Prechtl and Hall (1999), have 

outlined, that the maximum mechanical energy it can be extracted from a piezoelectric 

actuator under optimum operating conditions (impedance match) is 25% of that of the 

active material. 

Mechanical efficiency is defined as the ratio between mechanical energy output of the 

actuator and the electrical energy input, (14). 
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^=4^ (14) 

The mechanical energy output is calculated with (15), 

1 
Eou,=-Kouls} (15) 

where Kout is calculated with (13) and s/is calculated with (12). 

E^^-EVe2 (16) 

where Es is the Young's modulus of the stack, Vs is the volume of the stack and £ is the 

induced strain of the piezostack. 

For mechanical efficiency, by introducing the geometrical relationships between different 

characteristics of the actuator, one obtains: 

Vmech=®K (17) 

Using the piezoelectric stacks characteristics, given in section 2.1, and the calculated 

mass of the actuator (prototype) one obtains the values: 

1™* = 74-25% 
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rim™ = 15.70% 

The somewhat small value for the mass efficiency is due to the fact that "low 

performance" materials (steel and bronze) were used for base and lever. An actuator with 

the base and lever made out of composites or low density/high strength alloys (like 

titanium) would have a better mass efficiency - one should use a design optimization 

approach for maximizing the mass efficiency for a given material). 

5. EXPERIMENTAL RESULTS 

The experiments were performed using SigLab software, Krohn Hite wideband power 

amplifiers Model 7500 and, Brüel&Kjaer accelerometer (Type 4374) and a Bruel&Kjasr 

charge amplifier (Type 2635). 

5.1 Static Characteristics 

Experiments were carried out using low frequency signals (1.5 Hz). The parameter of 

interest is the tip deflection of the actuator. The displacement at the tip of the actuator 

was measured for voltages ranging from 0 to 240 V (peak to peak) for three cases: free 

(no load), 125 N and 93 N spring loads at the tip. Precision die springs were used for 

loading of the actuator. The spring constants were 13.3 N/mm and 18.9 N/mm 

respectively. There was a +75 V DC offset on both stacks. 
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The results are presented in Figure 4. For comparison, the theoretical curves are shown. 

The experimental results exhibit a slight non-linearity and a shift from the theoretical 

curves. These are a result of the hysteretic behavior of the piezoelectric materials and of 

the friction in the bearings (end caps of the stacks). Lubrication of the bearings or 

materials with lower friction coefficients might help reduce the shift, while non-linearity 

is an inherent property of the piezoceramics. 

When the load was applied at the tip of the actuator, the displacement was zero for 

voltages below those required to reach the load level, in other words the blocked force at 

that particular voltage. 

1.4 

1.2 

  theoretical tree displacement 
- •    theoretical displacement with 125 N spring load 
- theoretical displacement with 93 N spring load 

x    experimental free displacement 
+    experimental displacement with 125 N spring load 
0   experimental displacement with 93 N spring load 

100 150 
peak to peak wltage [Volts] 

250 

Figure 4. Peak to peak displacement at the tip of the actuator qs a function of the applied voltage 
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5.2 Dynamic Response of V-Stack Actuator 

When an actuator is to be integrated in linear control schemes of dynamic systems, that 

actuator it is supposed to be used at a frequency below to that of its first natural mode 

(sufficient bandwidth/control authority). 

In Figure 5 is presented the frequency response of the actuator. The test was performed 

with no load at the tip of the actuator. The signal used for powering the stacks was white 

noise (2.0 V rms) over 1000 Hz bandwidth. At low frequencies (below 20 Hz) the power 

of the input signal was very low and that affected somewhat the shape of the transfer 

function plot. Neglecting this aspect, the response is "flat" up to about 350 - 400 Hz with 

small phase lag of the displacement with respect to the applied voltage. 

The first natural frequency of the actuator is at 575 Hz, which gives confidence in the 

control authority of the actuator. 

6. CONCLUSIONS 

The early development of a new piezoelectric actuator was presented. The tests 

performed in the Adaptive Systems and Structures Laboratory at Duke University, 

indicated that V-Stack Actuator meets the requirements for actuating the trailing edge 

flap of a HAR wing. 

Given the special construction of the actuator (built-in preloading mechanism, the 

symmetry, compactness, simplicity) the integration into a wing (or any other structure), 

requires minimal modifications of the internal structure of the wing. 
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The results provided by a dynamic model developed for early design purposes do not 

match with the experimental data, but the shape of the frequency response curve is 

similar. Because of that, the immediate objective is to develop a dynamic model, which 

will accurately describe the behavior of the actuator. 

The prototype will be incorporated into a typical section and is going to be tested in order 

to fully characterize the actuator. In the meantime we are looking for other possible 

applications of the V-Stack Actuator. 
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Figure 5. Transfer Function of V-Stack Actuator Prototype 
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