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Abstract

This paper focuses on Reynolds number scal-
ing (RNS) at transonic speeds for military aircraft
development. RNS has been used in the develop-
ment of aircraft for decades because most devel-
opment wind tunnels have not had the capability of
providing full-scale flight Reynolds number. Any
new, highly productive transonic wind tunnel that
will provide duplicate flight Reynolds number up to
200 million (flight conditions of high-performance
aircraft) is not likely to be built because of high
cost. Thus, this paper discusses the importance of
RNS and why it must be used for the foreseeable
future. Two empirical methods and one computa-
tional fluid dynamics (CFD) method are shown to
ilustrate some of the issues and deficiencies
involved with RNS. Wind tunnel effects on aerody-
namic data that produce pseudo Reynolds number
effects and that must be taken into account are
also discussed. Finally, it is argued that improve-
ments in RNS and proper accounting for wind tun-
nel effects on aerodynamic data can significantly
contribute to the reduction in the time and cost of
aircraft development.

Introduction
Why Reynolds Number Scaling (RNS)?

Interest in RNS comes from the fact that most
conventional development wind tunnels are defi-
cient in flight Reynolds number simulation by
approximately an order of magnitude or more for
nearly all aircraft aerodynamic configurations that
have been or can be tested. This is true for the
AEDC 16T, NASA 11 foot, NASA 12 foot, and

many other commercial and foreign wind tunnels.
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such as the NASA National Transonic Facility
(NTF) and European Transonic Windtunnel (ETW)
approach flight Reynolds number simulation, but at
a significant sacrifice in productivity. Thus, the
need exists to be able to take low Reynolds num-
ber data from conventional production wind tunnels
and predict flight performance, i.e. perform appro-
priate corrections to the data to account for Rey-
nolds number mismatch. This is called Reynolds
number scaling. Although not the primary subject of
this paper, the need also exists to properly account
for wind tunnel effects and measurement uncer-
tainties on wind tunnel aerodynamic measure-
ments. Both subjects are equally important for pre-
diction of the flight performance of an aircraft
design. Mack and McMasters discussed thoroughly
the Reynolds number test needs for low-speed
landing and takeoff situations for commercial trans-
ports.! This paper focuses on the Reynolds num-
ber issues in the transonic speed regime for mili-
tary transports and high-performance aircraft.

Is RNS a New Issue?

RNS is not a new issue; its use in aircraft devel-
opment has been an issue for decades. The prob-
lem is that the fidelity of RNS has always been
poor, especially for transonic speeds where there
is strong viscous/shock interaction. Today, RNS
techniques are better termed an art than a science.
Aerodynamic designers resort to a combination of
empirical, semi-analytical predictions, and guess-
work to accomplish a design. However, computa-
tional fluid dynamics (CFD) is increasing in utility
and is being used more extensively in the design
process, but it currently has many limitations, some
of which will be discussed in this paper. Modeling
of viscous flow phenomena for CFD is still imma-
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ture for all but simple flows. Predictions of lift and
loads are fairly well in hand. There are numerous
turbulence models and a growing body of data.
The weakness lies in CFDs ability to predict com-
plex viscous flow phenomena such as separation,
reattachment, unsteady effects that lead to buffet,
transition from laminar to turbulent boundary lay-
ers, and strong shock boundary-layer interactions.
Therefore, CFD is limited to design purposes and
currently cannot be considered a reliable RNS tool.
However, the need exists to assess its reliability for
nearly all classes of military aircraft that fly in the
low to transonic speed regime including large
transports and high-performance aircraft. In time,
perhaps the physics of these complex flows can be
understood well enough that CFD can be a reliable
design tool that computationally accounts for the
right physics critical to simulation of off-design
characteristics such as maximum lift and buffet
onset. Later in this paper CFD calculations will be
analyzed and discussed for a geometrically com-
plex military aircraft configuration.

Comments on the Use of the Wind Tunnel

Deriving Aircraft Performance from Wind
Tunnel Testing

To establish a basis for later discussion in this
report, some of the fundamental principles for
using wind tunnel data to predict flight performance
are discussed in this section. The wind tunnel is
not a perfect simulator of aerodynamic flight, and
corrections to the wind tunnel data are needed if
flight performance is to be accurately predicted.
Today, the state of the art in correcting wind tunnel
data does not accurately provide those needed
flight predictions. Almost every military aircraft
development has experienced significant surprises
in aerodynamic performance and control in flight.
The F-18E/F wing drop phenomenon is a recent
example.? These surprises often result in costly
retrofits, and even redesign. These events usually
are very expensive, time consuming, and result in
deployment delays, and/or degraded performance.

Current Philosophy in the Use of the Wind
Tunnel

Until now, the philosophy regarding the use of
the wind tunnel has been to optimize aerodynamic

performance by testing different configurations,

often just minor changes, and choosing the best.
This philosophy has been successful in under-
standing performance differences of configurations
and, therefore, there is confidence in this
approach. The aircraft development community
often tacitly assumes that tunnel effects are basi-
cally the same from one configuration to another,
and thus, can be ignored while optimizing differ-
ences. This approach does not necessarily provide
correct baseline configuration performance. Proper
correction for tunnel effects and Reynolds number
is needed to accurately predict flight performance.

The approach of optimizing configuration differ-
ences usually works better for new commercial air-
craft development than for new military aircraft
developments. This is true because new commer-
cial aircraft configurations usually are evolutionary,
incremental configuration changes from previous
designs and have a large baseline of flight and
wind tunnel data from which to base the new
design. New military aircraft development pro-
grams usually do not have this extensive database
because the new configuration is usually quite rev-
olutionary from previous designs. Thus, new mili-
tary aircraft are basically developed from “scratch,”
tailored with as much experience as possible. It is
also true that new military aircraft of the same type
are not developed as often as commercial aircraft.

The Wind Tunnel in the Aircraft Development
Process

The wind tunnel is an integral part of the aircraft
development process for design validation. Figure
1 schematically illustrates this. Development of a
new military aircraft starts with concept definition,

. vCori:éept Definition

Production
Design y
g %0

Design Changes

Prototype

Fig. 1. Concept to Production (Development Test-
ing Cycle.)
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followed by its design. The aerodynamic concep-
tual design depends heavily upon analytical com-
putations and, to some extent, upon wind tunnel
data. Once design is begun, the aerodynamic lines
need to be established early so that the structural
and equipment packaging design can begin. Simul-
taneously, the aerodynamic design verification with
wind tunnel testing is begun. The results of these
tests feed back to the design, and the design is
adjusted. These adjustments are usually checked
with additional wind tunnel tests. After the design is
frozen, a prototype is built, and flight tests are per-
formed which often are not of the last configuration
tested in the wind tunnel. Flight tests reveal how
well the aircraft performs compared to design
goals. If the design goals are met satisfactorily, a
decision for production can be made. If the design
goals are not satisfactorily met, redesign may be
required if a degraded performance is not accept-
able. Redesign usually brings on additional wind
- tunnel.verification testing and additional flight tests.
In the interest of acquisition reform, adequate RNS
and test capability tools are important elements to
achieve lower cost, reduced aircraft development
time, and higher performance systems.

Thus, from concept definition to production, the
wind tunnel is a critical part of the development
process. It is used for experimental validation of
the aerodynamic design of flight vehicles, including
integration of the airframe and propulsion system.
The goal of the design should be that the prototype
flight vehicle works right the first time, design
changes are not needed, and the performance is
not compromised; i.e., the goal should be to elimi-
nate the block called Design Changes in Fig. 1.
Currently, this usually does not occur. Further-
more, the wind tunnel test community rarely knows
how well they have done their job. Thus, a factual
basis for improvements in the quality of wind tunnel
data (information) for performance predictions and
design is generally not available.

Proposed Philosophy in the Use of the Wind
Tunnel

The ultimate objective in the use of the wind
tunnel should be its contribution in the process
required to accurately predict flight results within
the bounds of acceptable uncertainty. This, argu-

ably, is an advanced philosophy and better use of
the wind tunnel. But this use requires new and
improved test technology so that correction for tun-
nel effects (flow quality, interference, aeroelastic)
and Reynolds number can be accurately made.
The rewards for this proposed approach can be
huge. Closure on aircraft design should be faster
and save on development cost. There should be
fewer design iterations. There should be less flight
testing because there is a better-designed proto-
type. The amount of wind tunnel testing should
also decline with fewer design iterations.

Military Aircraft
Future Military Aircraft Requirements

Future high-performance aircraft, whether
manned or unmanned, are expected to be low
observable and highly maneuverable with long
range and high payload capabilities. Carrier-oper-
ated aircraft will continue to need low-speed high-
lift capabilities for take-off and landing. Configura-
tions without tails are needed to satisfy the side
low-observable requirement. High maneuverability
most likely will require more than deflecting aerody-
namic surfaces. Control jets are envisioned for this
purpose. Long range and high payload mean high
cruise lift/drag capabilities. Lateral stability and
control can be a new, huge issue for these aircraft
that are highly sensitive to Reynolds number
effects. This adds even more emphasis to the need
for improved and/or at least satisfactory RNS capa-
bilities.

Future transport aircraft (both military and com-
mercial) will need long range and high payload
capabilities along with excellent low-speed, high-lift
capabilities. Because existing conventional wind
tunnels are expected to carry the preponderance of
the development test load for the next several
decades, all these needs will require added
emphasis for a better capability to perform RNS.
Specialty high Reynolds number wind tunnels such
as the NASA NTF and the new ETW are expected
to be used to validate RNS techniques, but they
are unlikely to carry the high workload of develop-

. ment testing due to their lower productivity, intrinsic

with their design for cryogenic operations.
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Testing Criteria for RNS

Modern military aircraft fly in the range of 20 to
200 million Reynolds number at transonic speeds.
A production transonic wind tunnel with this Rey-
nolds number capability is not practical because of
the high capital and operating costs. NASA and the
Department of Defense jointly studied a new pro-
duction transonic wind tunnel as a part of the pro-
posed National Wind Tunnel Complex and found
that capital cost would be in excess of one billion
dollars to achieve a Reynolds number of 30 million.

Arguments have been made that the benefits of
testing above about 10 million Reynolds number
are quite small and that the residual Reynolds
number effect is within the uncertainty of the data.3
Reference 3 also argues and recommends that
wind tunnel tests in the transonic speed range
have a model RN, based on mean aerodynamic
chord, between 3 and 9 million, but with swept
wings, at least above 5 million. Reference 3 also
states the tunnel turbulence level should be in the
range of 0.5 to 0.75 percent for best extrapolation
to flight. The testing of air ducts, control surfaces,
etc. may be in a critical RN range where extrapola-
tion to flight is not feasible; thus, full-scale testing is
desirable in these cases. Reference 3 admits these
criteria are not supported by conclusive evidence
but are based largely on intuition tailored with
experience. Today, 30 years later, there is evi-
dence suggesting that many costly errors of flight
performance prediction are attributed to inade-
guate RNS and Reynolds number test capability.

Current Practices in Reynolds Number Scaling
Large Aircraft

As mentioned previously, this paper focuses on
the transonic cruise regime. However, let it suffice
to say that RNS is a huge issue at low speed in the
development of high-lift systems. Wind tunnel test
capabilities in this regime are below flight RN val-
ues by factors of 2-6, depending on the size of the
aircraft. Therefore, RNS is an issue at low speed
as well. One can generally count on the boundary
layer being turbulent over the majority of the air-
craft in flight. However, this is not necessarily true
for the wind tunne! model, where conventional tun-
nel Reynolds numbers are low. A majority of the

flow can be laminar under natural transition situa-

- tions and be greatly influenced by the acoustical
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and turbulence level of the wind tunnel, which will
tend to give the tunnel a slightly higher effective
Reynolds number.

For large aircraft, range and payload perfor-
mance are principal issues that translate into atten-
tion being focused on lift, drag, drag rise, and buf-
fet boundary at transonic cruise conditions. Experi-
ence has shown that lift and pitching moment are
usually not too sensitive to Reynolds number up to
the onset of buffet; but, buffet boundary, maximum
lift, drag, and drag rise are usually very sensitive to
Reynolds number. Therefore, the aircraft devel-
oper is faced with accounting for Reynolds number
effects with these parameters as best he can. The
usual practice is to use a combination of test tech-
nique and empirical corrections. Because of little
sensitivity of lift and pitching moment to Reynolds
number below buffet onset, in most cases, the
engineer has been able to directly use low Rey-
nolds number wind tunnel measurements of lift and
pitching moment in his design without having to
resort to Reynolds number corrections. However,
this is not necessarily true for wings with high aft
loading. Test technique plays an important role in
the determination of drag from wind tunnel data.
Because the boundary layer is mostly turbulent in
flight, experience has shown that forcing the model
boundary layer to be turbulent in the wind tunnel
makes the task easier in accounting for Reynolds
number effects. Boundary-layer tripping is done on
the whole model, but designers approach bound-
ary-layer tripping in a variety of ways. Some posi-
tion boundary-layer trips on the wing to match flight
displacement thickness at the trailing edge. Some
use a combination of forward and aft tripping to
bracket the effect of wing shock position on drag.
Once the wind tunnel drag measurements are
available, the usual practice has been to adjust tur-
bulent skin friction to flight Reynolds number.
These techniques are not reliable whenever there
are regions of separated flow on the aircraft. The
prediction of and accounting for separated flow
effects, which usually is a strong function of Rey-
nolds number, is still an area needing much
research to understand the physics and analyti-
cally model its behavior. In general, the philosophy
of large aircraft design has been to prevent or

American Institute of Aeronautics and Astronautics




avoid separated flow at normal cruise conditions.
The prediction of buffet boundary and maximum lift
is still an experimental and empirical art for the
most part. Some attempts are being made with
Navier Stokes (NS) CFD techniques to predict
these parameters. In a recent survey of industry
practices by the authors, results reveal that CFD is
being used in a complementary role to wind tunne!
testing. NS calculations of lift, not buffet boundary
and maximum lift, do a reasonable job; but abso-
lute drag calculations have proven inadequate and
not reliable. However, CFD improvements are
expected and will aid the designer once validated
codes are developed. CFD, as compared to the
wind tunnel, also grossly suffers from a lack of pro-
ductivity. A single data point for NS CFD requires
days, sometimes weeks, to compute, compared to
the wind tunnels, which can produce on the order
of 100 data points per hour.

High-Performance Aircraft

RNS as applied to high-performance aircraft in
cruise has been mainly devoted to drag correc-
tions. Interest here lies in the fact that these aircraft
are designed for range, payload, and loiter time
over targets. Other than drag, there has not been
as much concern for RNS with other aerodynamic
parameters. Most designers claim, via experience,
that high-performance configurations with thin
wings and large tails are not subject to significant
RN effects. The techniques used to scale drag to
flight are somewhat similar to large aircraft tech-
niques. There is litlle concern with buffet for exam-
ple. Such aircraft are designed to power their way
through maneuver conditions. However, future
high-performance aircraft, especially those that
have no tails for low observable purposes, most
likely may be sensitive to severe RN effects in lat-
eral stability. There is some experimental evidence
which highlights this concern (see Fig. 2). Note
especially the rolling and yawing moment. To the
authors’ knowledge, little work has been done to
understand the extent of this problem. Therefore,
techniques to deal with RNS need development.

Pseudo Reynolds Number Effects and Test
Technique

There are a number of wind tunnel and model
effects which affect model aerodynamics in a man-

ner that can be misinterpreted as Reynolds num-
ber effects. Care must be taken in wind tunnel test-
ing to ensure that these pseudo RN effects are
taken into account, especially if a test objective is
to evaluate actual RN effects on aerodynamic data.
These pseudo RN effects are generally well known
and have been discussed at length in various
papers and reports. Reference 4 treats this subject
extensively. Pseudo RN effects have been
observed related to tunnel calibration, wall interfer-
ence, flow quality, temperature nonequilibrium,
surface roughness, and model deformation. Often,
it is very difficult to separate all the parameters
which produce pseudo RN effects. However, as
much care as possible must be taken to assess RN
effects accurately.

In attempting to study RNS and using data from
more than one wind tunnel or source, test tech-
nique is important to minimize the number of test
variables that otherwise can make it impossible to
evaluate Reynolds number effects. Haines® adds
to this by emphasizing the necessity of “knowing
your flow.”

Reynolds Number Scaling and Viscous
Simulation

All who perform RNS use some methodology.
However, many methodologies are proprietary in
industry, which is one reason why AGARD Working
Group 09 developed a methodology® for common
use. It suggests that the synergistic use of CFD cal-
culations and wind tunnel testing would alleviate
some of the limitations for estimating aircraft perfor-
mance inherent in both of these methods.

0]
- a
RN RN
(5"’ (5'-
zE 25
o=
25 2
c=
RN RN

Fig. 2. Example of RN effects on a low
observable aircraft.
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AGARD Viscous Simulation Methodology

The AGARD Methodology’s primary focus is
concerned with the duplication of the flow develop-
ment that occurs at the high Reynolds numbers of
flight in low Reynolds number wind tunnel tests by
following certain rules of boundary-layer manipula-
tion. The methodology is far more than deciding
how and where to fix transition, and requires
actions before, during, and after the wind tunnel
tests. The basic elements of the AGARD methodol-
ogy are:

1. Collect information on the wind tunnel, the
vehicle to be tested, and objectives of the test pro-
gram.

2. Predict differences between model and flight
scales.

3. Perform wind tunnel tests.

a. Obtain data for free transition and forward
tripping.

b. Determine viscous effects by boundary-
layer manipulation.

3. Extrapolate the results to flight conditions.

The methodology is dependent on the wind tun-
nel being used and how the flow in the tunnel
affects the configuration being tested. Some
apparent (pseudo) Reynolds number effects can
arise from variations of empty tunnel flow calibra-
tion, turbulence, acoustic noise, and wall interfer-
ence with unit Reynolds number of the flow. The
prediction of differences between model and flight
scales requires that the pseudo-Reynolds number
effects be identified and eliminated from the test
data. Therefore, it is imperative to have detailed
information about the facility flow, and to be able to
estimate the effects of the facility flow on the partic-
ular configuration to be tested.

To apply the methodology, data trends must be
predicted before the test so that the proper test
conditions and trip locations can be selected. The
most advanced computational methods available
should be used to calculate data trends from the
model-scale through flight-scale Reynolds num-

i

bers. As a minimum requirement, the computations
should be made for a three-dimensional wing-body
configuration with a code that is capable of calcu-
lating weak viscous-inviscid interactions. Ideally, a
computational technique that accurately accounts
for strong viscous-inviscid interactions such as flow
separation is desirable, but currently unavailable.

The initial wind tunnel tests involve free transi-
tion and transition fixed at the forward location
where transition is expected at flight scales. The
objective of the initial tests is to determine the sen-
sitivity of the results to changes in the boundary
layer. If the difference between the tripped and free
transition data is insignificant, then nothing will be
gained by tripping at more rearward locations.

Prediction of Boundary-Layer Transition

For accurate calculation of the forces (espe-
cially drag), the location of transition of the model
boundary layer from laminar to turbulent must be
accurately predicted, measured, or fixed. Other-
wise, in the case of transonic flow, the shock/
boundary-layer interaction cannot be properly
modeled. For transition fixing, the prediction of the
untripped transition location is important to assure
that the boundary-layer trips are placed ahead of
the location where transition occurs “naturally” in
the test facility. The transition location is dependent
on the pressure gradient, surface roughness, tur-
bulence and/or noise, and instabilities associated
with the three-dimensionality of the flow. There-
fore, the location of transition is both model- and
flow-field dependent.

A transition prediction technique should
account for the model geometry and the effect that
tunnel flow quality has on the stability of the bound-
ary layer. At low angles of attack and for moder-
ately swept wings, a simple approach described in
Ref. 7 has given good results at the mid-span,
where the flow is essentially two-dimensional. As
expected, the agreement becomes worse as three-
dimensional effects begin to dominate, such as at
the wingtip and wing/body juncture. The method
described uses a three-dimensional, full-potential
code coupled with a two-dimensional boundary-
layer code to calculate the growth of the laminar
boundary.layer for the particular model geometry.
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Existing empirical data from 23 wind tunnels
throughout ‘the United States and Europe,®? as
well as flight®1° for an ultra-smooth, 10-deg cone,
were used to provide transition criteria for each test
facility where data were available.

In the original study, data from all the wind tun-
nels were correlated with measurements of cone
surface pressure fluctuations. It is recommended
that data from the facility where the test is to be
performed be used to estimate transition location
rather than applying the correlation based on all
the tunnels. This recommendation is based on the
observation that the individual tunnels do not nec-
essarily follow the trend derived from all of the
data. Porous wall transonic wind tunnels, which
have high levels of edge-tone noise generated by
the numerous holes in the walls, were found to
have transition Reynolds numbers that were lower
than those measured in flight. This result seemed
to be consistent with observations made at super-
sonic Mach numbers, which showed transition
Reynolds number to be inversely related to noise.
However, in some cases, the transition Reynolds
number was independent of noise level, and in
other cases, the transition Reynolds number actu-
ally increased with increases in noise level. This
observation suggested that transition on the cone
was affected by factors in addition to the noise
level.

Measurements made in the AEDC Tunnel 16T
after the installation of screens and honeycomb in
the stilling chamber were compared with measure-
ments from Ref. 8 and reported in Ref. 11. The
installation of the screen and honeycomb in the
tunnel did not significantly alter the noise mea-
sured on the cone surface; however, measure-
ments of total pressure fluctuations were approxi-
mately 1/6™ of the values prior to the installation of
the screen and honeycomb. At subsonic condi-
tions, there was an increase in transition Reynolds
number of approximately 20 percent, even though
the noise measured on the cone surface did not
change. The new values of transition Reynolds
number shown in Ref. 11 are comparable to flight
values at similar unit Reynolds numbers. At super-
sonic Mach numbers, the improvement in transition
Reynolds number decreased with increasing Mach
number until no improvement was seen at a Mach

number of 1.6. These results confirm that the mea-
surement of the magnitude of broadband noise
does not correlate well with transition location. The
spectrum of the noise is probably more important.

. Stability analysis of boundary layers shows that

disturbances in the boundary layer are selectively
amplified or damped, and that the magnitude of the
disturbances must grow to a critical value before
transition to turbulence occurs.

The instrumentation commonly used to mea-
sure noise and turbulence (i.e., microphones and
hot wires) is sensitive to both pressure and velocity
fluctuations, and the effect from each parameter is
difficult, if not impossible, to separate. In a solid
wall tunnel, the spectrum from both instruments is
free of discrete frequencies that can significantly
affect the integrated overall level. This means that
an increase in the overall level will be the result of
a proportionate increase at each frequency. There-
fore, in a solid wall tunnel, one would expect a cor-
relation between noise or turbulence measure-
ments and transition. In a porous wall wind tunnel,
the spectra from microphones and hot wires will
typically contain discrete tones that are character-
istic of the holes in the walls. The absence of dis-
crete tones is an indication that the background
turbulence level is greater than the noise gener-
ated by the wall porosity. The presence of the dis-
crete tones can alter the overall noise level as dif-
ferent resonance conditions of the wall and sur-
rounding plenum chamber are encountered. The
overall level is no longer uniquely correlated with
the magnitude at each frequency in the spectrum;
therefore, the overall level may not result in a pro-
portionate change at the frequencies that are
amplified by the boundary layer, and transition will
not be correlated to overall noise level. A better
way of correlating noise and transition may be to
integrate the noise only in the frequency range that
is amplified by the boundary layer. This approach
would require a boundary-layer stability analysis to
determine the critical frequency range as a function
of the laminar boundary layer on the model and the
flow conditions.

An Example of Reynolds Number Scaling

The prediction of full-scale results should
involve both experimental and computational

7
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results. In general, the measured trends should be
extrapolated to an effective Reynolds number
where strong viscous-inviscid interaction present at
the model scale disappears as Reynolds number is
increased. The calculated trend should be used to
extrapolate from the critical Reynolds number to
the flight condition.

Experimental Database

In the following sections, the empirical and
computational RNS approaches are evaluated
using the experimental database acquired under a
~ cooperative effort between the United States Air
Force and the German Ministry of Education and
Science, Research and Technology (TST pro-
gram). The TST database is a unique, comprehen-
sive set of low-speed and transonic data that were
obtained from five wind tunnels, which include
AEDC Tunnel 16T and the National Transonic
Facility (NTF). Data were obtained over a broad
range of Reynolds numbers from low Reynolds
numbers obtained in conventional wind tunnels
(i.e., 16T) to matching flight Reynolds numbers
obtained in the high Reynolds number wind tunnels
(i.e., the NTF). The objective of the test program
was to develop a quality database for studying the
interaction of tunnel-

mized, but redundant data were taken whenever
more than one balance was used to ensure identi-
cal measurements. Multiple balance calibrations
were employed. Wall pressures were measured to
evaluate wall interference when practical. Bound-
ary layer tripping was employed at identical condi-
tions and locations from one wind tunnel to the
other. In non-tripping tests, boundary-layer transi-
tion location was measured when possible. Test
conditions were overlapped in Mach number and
RN from one tunnel to the other to provide a base
for evaluating differences in tunnel effects and
determining their cause.

The test article used for the effort was a 1/10-
scale model of the Dornier Alpha Jet Technology
Demonstrator with the TransSonischer Tragfllgel
(TST wing), a transonic technology wing. The test
article was built to cryogenic testing standards and
had a surface finish of 0.2 pm (7.87 x 10 in.). The
dimensions of the test article are shown in Fig. 3,
and a schematic of the instrumentation is shown in
Fig. 4. The database contains a comprehensive set
of measurements including both conventional (bal-
ance and pressure taps) and nonconventional
measurements. Pressure taps were located on the
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Fig. 4. Overview of model instrumentation.

canopy, on the upper and lower wing surfaces at
five spanwise locations, in the duct exit, and in the
balance cavity. Additional pressure taps were
added to the aft fuselage after the initial 16T and
NTF tests and prior to the final 16T test. The non-
conventional measurements included pressure
sensitive paint (PSP), infrared transition detection,
liquid crystal, and multi-element film. In addition to
these measurements, wing-wake and duct-exit
total pressures were obtained by removing the tail
and installing a rake apparatus. The wing-wake
measurements are of value in evaluating the accu-
racy of the turbulence models, which will be seen
later. Data also exist for a variety of boundary-layer
trip configurations.

Corrections for Tunnel Effects

The TST model is extremely small in 16T (0.14
percent blockage ratio), while the model is a typical
size for NTF (0.44 percent solid blockage ratio).
Because of the low blockage ratio in 16T, the data
are assumed to be free of wall interference. Figure
5 shows a comparison of the drag coefficient vs.

Mach number (drag rise) between 16T and NTF at
matching conditions. The drag coefficients in NTF
are lower than 16T. A buoyancy correction is esti-
mated by determining the difference between the
16T and NTF forward and aft fuselage pressures
and assuming a linear distribution over the model
for the pressure difference. This buoyancy correc-
tion would include both the clear tunnel and model-
induced effects. However, corrections for clear tun-
nel buoyancy from the tunnel-empty calibration
were determined to be less than a drag count;
therefore, this correction will be a model-induced or
wall interference effect. Correcting the NTF data
for this assumed buoyancy dramatically improves
the tunnel-to-tunnel agreement between 16T and
NTF (see Fig. 5). Therefore, it is assumed that the
difference in drag between the tunnels is domi-
nated by wall interference. Since the lift and pitch-
ing-moment coefficients agree reasonably well, it
appears that the wall interference manifests itself
predominantly as a buoyancy effect. The data pre-
sented in the remainder of this report are not cor-
rected for buoyancy effects.

9
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Fig. 5. Comparison of drag coefficient versus
Mach number for Tunnels 16T and NTF,
Rec = 3.3 x 108, no trips.

Corrections for the effects of free-stream turbu-
lence or vorticity have not yet been attempted for
any of the data obtained in these experiments.
However, it is reasonably well understood that
free-stream vorticity tends to increase turbulent
skin friction drag. For any aircraft development pro-
gram, the magnitude of the wind tunnel vorticity
effect (as well as other flow quality effects) on drag
should be known. This means that the vorticity or
turbulence level of each wind tunnel used should
be known, and research should be carried out to
guantify its effect on drag.

Empirical RNS of Drag

Two empirical techniques are employed to esti-
mate drag at flight Reynolds numbers using low
Reynolds number wind tunnel data: (1) turbulent
skin friction corrections and (2) least-squares
extrapolation.

10

In the case of drag, the procedure of simply cor-
recting for the effect of Reynolds number on skin
friction can give less than satisfactory results. In
Fig. 6, the total drag measured in Tunnels 16T and
NTF for a Mach number, M, of 0.6 at an angle of
attack, a, of 2.0 deg (C_ approximately equal to
cruise) is presented as a function of Reynolds
number. When the boundary layer on the model is
allowed to transition naturally (i.e., no trips), there
is very little change in drag below a Reynolds num-
ber of 10 x 108, and decreases at Reynolds num-
bers greater than 10 x 10°. Simple extrapolation of
the low Reynolds number data for the untripped
model would not predict the decrease in drag.
Without tripping, the drag measured in the NTF is
approximately 10 drag counts lower than Tunnel
16T at matching Reynolds numbers of 2.7 and
3.3 x 108, The difference in drag is still present
when the boundary layer is tripped on the wing
only, and in some cases, the difference increases
when trips are used. It is believed that this drag dif-
ference is a model-induced buoyancy effect. The
agreement between the turbulent flat plate drag
estimated for the model and the fully tripped data
from Tunnel 16T is excellent. Also, the agreement
with the untripped data for the NTF at the higher
Reynolds numbers is very good; however, this
result may be fortuitous, since a correction for the
lower drag at the lower, matching Reynolds num-
ber has not been made. When the skin friction
trend is corrected to the NTF data measured at a
Reynolds number of 10 x 10%, the trend underesti-
mates the drag at 20 x 108, This is also true at
other angles of attack.

0.030 K e 16T Full Trips
-o- 16T Wing Trips

€ 0.026f > -—o—16T No Trips
o | ~ols 4 NTF Wing Trips|
T} NTF No Tri
£ 0.022; w—“\ft-o :Skln F:la:l::
g |
© 0.018}
o 1
©
4 0.014f

0.010

1 10 100

Chord Reynolds Number

Fig. 6. Drag as a function of Reynolds number for
M =0.6, o = 2.0 deg.
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In Fig. 7, the total drag measured in the same
wind tunnels for a Mach number of 0.835 and
angle of attack of —1.0 deg for the same model is
presented. The same general differences between
the tunnels observed at a Mach number of 0.6 are
present at these conditions. The estimated turbu-
lent flat plate drag trend does not follow the trend
of the fully tripped data from Tunnel 16T or the
trend of the untripped model at the higher Rey-
nolds numbers. This was also true at higher angles
of attack.

0.035 T
—e— 16T Full Trip

-t —o—16T No Tri
5 0.030 —a—NTF N:: Trrl‘:)
8 0.025 \ — Skin Friction
e 0.
8 b\'°~<>———0--:\~
© 0.020 Sl P
g
a 0.015

0.010

1 10 100

Chord Reynolds Number

Fig. 7. Drag as a function of Reynolds number for

M = 0.835, o = -1 deg, skin friction trend.

In Figs. 8, 9, and 10, a trend derived by a least-
squares fit of a power function of the form:

Cp=AxReB

using the fully tripped data from Tunnel 16T was
used to predict results at higher Reynolds numbers
for a Mach number of 0.835. The trend was cor-
rected to the NTF drag measured at a Reynolds
number of 10 x 108. The corrected trend overesti-
mates the values at the higher Reynolds numbers.
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Fig. 8. Drag as a function of Reynolds number for
M = 0.835, o = -1 deg, full trip trend.
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Fig. 9. Drag as a function of Reynolds number for M
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= 0.835, o = 0 deg, full trip trend.
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Fig. 10. Drag as a function of Reynolds number for
M = 0.835, a. = 2 deg, full trip trend.

The conclusion that can be reached is that a
simple empirical correlation using either flat plate
skin friction drag or fully tripped Reynolds number
trends can give inconsistent results. The underly-
ing assumption with these techniques is that the
significant features of the flow field such as separa-
tion are present or absent at all Reynolds numbers
(i.e., no major changes in the character of the
flow). It is rare that this is true over a wide range of
Reynolds numbers; therefore, the extrapolation
process requires the prediction of a trend that
accounts for the physics of the flow. This suggests
the need for CFD.

Computational Investigation

The objective of the computational investigation
is to evaluate the current CFD capability as a Rey-
nolds Number Scaling (RNS) technique for tran-
sonic flow conditions. The approach is to use the
latest codes and turbulence models to perform the
computations about the TST configuration and to
use the test data to evaluate the results.
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Computational Approach

The chimera overset grid approach!® '3 was
used for the CFD calculations. The approach is a
domain decomposition technique which allows a
complex configuration to be divided into manage-
able components or regions. A grid can then be
generated for each component or region. This facil-
itates grid generation and allows the modeling of
very complex shapes. The chimera approach also
provides for communication among the overlapped
grids. To improve interpolation accuracy among
the grids, the current computations utilize double-
fringe interpolation stencils.

The flow solver employed to obtain three-
dimensional steady-state flow-field solutions was
the chimera implementation of a finite-difference
algorithm developed by Tramel and Nichols.'* The
algorithm is an upwind flux formulation combined
with a quasi-Newton relaxation time-stepping
strategy.

The computations were performed for fully tur-
bulent flow using the K-g two-equation turbulence
mode! of Nichols'® which is based on the model of
Speziale, et al.'® To reduce the number of points
required to model the boundary layer accurately,
the near-wall region was approximated using the
wall function implementation of Nichols.'” The wall
function is based on the law-of-the-wall of White
and Christoph.8 Turbulence modeling and appro-

capture the wake flow, an h-mesh is included
downstream of the wing. The horizontal tail mesh
is an o-mesh topology. Wherever possible, direct
injection was used to get the best possible mesh-
to-mesh communication. The far-field boundary
was positioned approximately ten body lengths
away. The first point off the surface of the model
was positioned to give a y+ of approximately 25 at
a chord Reynolds number, Re; of 2.7 x 1 08,

priate calibration of the models for variations in

free-stream turbulence or vorticity continue to be
the major impediment in obtaining accurate com-
putational simulations or, more specifically, in
obtaining accurate prediction of drag and separa-
tion. However, the two-equation models, such as
K-¢ and K-o models, represent the state of the art
and are widely used in the CFD community.

The TST model grid system shown in Fig. 11
consists of 27 individual meshes and a total of
approximately six million points. Every detail of the
model is represented, including the flow-through
inlet, the inlet diverter and inlet gutter, the sting, the
notch in the wing leading edge, and the thickness
of the wing trailing edge. The wing meshes are c-
meshes with constant spanwise sections at the
array locations of the wing pressure orifices. To

12

Fig. 11. TST grid system.

Computational Results

Convergence of the steady-state computational
results about the TST configuration was monitored
by computing the forces and moments using
FOMOCO.'® When the computed load coefficients
did not change between successive runs to four
decimal places, the solution was declared con-
verged.

Table 1 shows the flow conditions for which
computational results were obtained. The compu-
tations were performed for several angles of attack

Table 1. TST Transonic Navier-Stokes

Computations
Mach No., | o, deg | Reynolds No. | Turbulence
M (Re. x 10 6) Model
0.835 0 2.7 K-e
0.835 2 1,2.7,10,20 K-g
0.835 4 2.7 K-¢
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at the transonic Mach number of 0.835 (cruise A2 -

. 16T Upper <
Mach number). To predict Reynolds number 4.0 F 16T Lower ¢
trends, several Reynolds number solutions were 08 - CFD
performed at 2-degrees angle of attack (approxi- 06 -
mate cruise angle). The Reynolds number range & 04 lf
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. . . -0.2 .
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bers obtained in 16T and flight Reynolds numbers . ol - 14% ‘INiHQISemESPar: e
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for o. = 2 deg and Re, = 2.7 x 10°. Figure 12 shows 0.8

the comparison between the computed model 0.6

pressure distribution and the PSP measurements. o -0.4

Qualitatively, this comparison looks very good, 0.2

even though boundary-layer transition in the com- 0

putations is probably forward of the transition loca-
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Fig. 13. Measured and computed model pres-
sures, M = 0.835, o = 2 deg, Re; = 2.7 -
x 10% full trips.

Fig. 12. PSP and CFD pressure coefficients compari-
son, M = 0.835, a. = 2 deg, Re, = 2.7 x 108,
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tion with PSP. The spillage around the inlet
appears to be computed accurately, as well as the
wing shock structure.

Figure 13 shows the comparison between the
predicted pressure distribution and the pressure
orifice measurements for both the wing and the
canopy. The excellent agreement on the canopy
indicates the free-stream Mach number in both the
“tunnel and in the computations is the same. The
predicted pressure on the lower wing surface
shows excellent agreement with the data. How-
ever, the predicted upper surface distribution
shows a shock that is slightly stronger and posi-
tioned downstream of the measurements.

Figure 14 shows the computed model pressure
distribution with varying Re, Here the expected
trend is seen, i.e., the shock moves aft and steep-
ens with increasing Re.. Similar results at o = 0
deg and Re, =2.7 x 108 were obtained. In general,
there is agreement, but as will be seen, small dif-
ferences in pressure distributions can yield notice-
able differences in integrated loads.

Figure 15 shows the comparison between the
predicted and measured wing-wake total pressure.
The difference between the computations and the
data is much larger than the effects of tripping the
boundary layer based on uncorrected high Rey-
nolds number data. The computations are showing
a larger pressure deficit than the measurements.
This deficit indicates that the turbulence model is
overpredicting the momentum losses and skin fric-
tion. This predicted momentum loss is caused by
the turbulence model and originates either from the
outer-fayer K-¢ model or the sub-layer wall-function
model. The result from the larger skin friction and
the aforementioned pressure differences is that the
prediction of the computed drag is much higher
than the measurements, which is clearly seen in
the comparison of the computed and measured
loads in Fig. 16. The computed drag coefficient is
approximately 25 counts (0.0025) higher than the
measured drag coefficient. The comparison of lift
and pitching moment is much better. Other investi-
gators have had similar experiences in attempting
to predict drag with CFD, especially on aircraft
equipped with supercritical wing shapes such as
the Onera-M6 wing.?’!
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Fig. 15. Measured and computed wake pres-
sures, M = 0.835, o = 2 deg, Re., = 2.7
x 108.

The comparison between the measured and
computed duct-exit rake pressures is shown is Fig.
17. The computations show a slightly higher total
pressure loss in the center of the duct while rea-
sonable agreement is shown in the boundary layer.
Although the duct flow was not tripped in the exper-
iment, analysis indicates that transition occurs
early in the duct; therefore, the experimental duct
flow should be predominantly turbulent. The differ-
ence in the duct flow contributes to the drag differ-
ence between the data and computations by alter-
ing the duct and spillage drag. Estimates of the
duct drag and spillage were determined from the
experimental and computed rake pressures. The
computations predict a duct drag that is approxi-
mately one drag count higher and a spillage that is
approximately 3 percent higher. The contribution to
the external drag due to difference in spillage was
not determined. Although a factor, the difference in
duct flow does not appear to be the major contribu-
tor to the drag difference between the computa-
tions and data. The major contributor appears to
be a higher external drag caused by the higher
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Fig. 16. Measured and computed forces and
moments, M = 0.835, Reg = 2.7 x 106,
full trips.
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Fig. 17. Measured and computed duct-exit pres-
sures, M = 0.835, o = 2 deg, Re, = 2.7
x 106,

external skin friction drag predicted by the turbu-
lence model. Improvement in the absolute predic-
tion of drag could be gained by tuning the turbu-
lence model, which could also improve the duct
flow agreement.

The computed and measured drag-coefficient
trends with Reynolds number at M = 0.835, o = 2
deg are shown in Fig. 18. The computed drag coef-
ficients show an expected decrease in drag coeffi-
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Fig. 18. Measured and computed trends with
Re., M = 0.835, o = 2 deg, full trips.

cient with an increase in Reynolds number. How-
ever, the fully turbulent computational results do
not follow the same power law (slope of the log-log
curve) as the 16T fully tripped data, nor do they fol-
low the NTF data. The 16T results show a much
larger decrease in drag than the computations.
Since most of the change in drag coefficient is due
to changing skin friction, the slope differences indi-
cate that the computations do not accurately pre-
dict the change in skin friction with Reynolds num-
ber in 16T.

Wing and canopy comparisons between the
computed and measured pressure coefficient are
shown in Fig. 19 for o = 4 deg. For this case, the
computations show massive separation at approxi-
mately mid-span of the wing while the data indicate
only mild separation. The computations are clearly
predicting an earlier onset of buffet. The onset of
buffet occurs at slightly higher than four degrees
(based on the criteria that the difference between
the actual lift coefficient and the lift coefficient
determined from a linear extrapolation of lift slope
is 0.1). At present, CFD is not able to accurately
predict separation and buffet onset or the variation
of these phenomena with Reynolds number. Addi-
tional turbulence model development must be
done to elevate CFD as a useful tool in the predic-
tion of these phenomena.

Concluding Remarks

1. Since transonic wind tunnels used for
production testing are not expected to achieve
flight Reynolds number duplication in the
foreseeable future, Reynolds number scaling will
continue be required for future aircraft
developments.

2. RNS has been used mainly to predict air-
craft drag at flight RN. Heretofore, lift and
moments have been observed to be relatively
insensitive to Reynolds number and corrections
have not normally been applied. However, there is
a need to predict buffet boundary, which is sensi-
tive to Reynolds number. Also, indications are that
stability is sensitive to Reynolds number for tail-
less aircraft. Consequently, RNS procedures are
needed to properly predict flight stability for these
type configurations.
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ok 1eTURper ¢ performance from low-Reynolds number wind tun-
08 nel data. Wind tunnel effects produce pseudo Rey-
-0.6 [ nolds number effects, which should be taken into

account for best prediction of flight performance

0.4 . :
02 and comparing results between wind tunnels.

4. The computational results clearly show that
the turbulence models (or perhaps just the calibra-
tion of the models) are deficient in predicting skin
friction, as well as predicting onset of buffet in the
wind tunnel. Additional effort must be directed
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1 1
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0.4 o towards tuning the turbulence models to provide
02 ¢ o the proper prediction of skin friction and momentum
0 22% Wing 3emisp losses before CFD can be an accurate RNS tool.

Since each tunnel has its own turbulence level, the
tuned turbulence coefficients may be unique for
each facility as well as for flight. in addition, this is
only one case study and additional computations
on other classes of configurations are needed. As
mentioned, future military aircraft present addi-
tional challenges and are probably even more sen-

1 ) ] (] ] [ X

° 44% Wing Semispan ¢ > sitive to Reynolds number scaling effects. There-
o2 — o' — e fore, an additional database (similar to the TST
1.0F o~o © database) on an advanced concept aircraft is
0.8 needed. More validation testing has to be done.
-0.6 ’

-0.4 5. Improvements in the prediction of flight aero-
025 dynamic performance of military aircraft are at

0 least in part dependent on improvements in RNS
0.2 and properly accounting for tunnels effects, includ-
1.0 ing free-steam vorticity (turbulence) and spatial
0.8 variations, wall and support interference, flow
0.6 buoyancy, humidity, and various model effects,
0.4 including aeroelasticity and fidelity.
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