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Hypersonic Experimental and Computational
Capability, Improvement and Validation

(AGARD AR-319 Volume I)

Executive Summary

In 1987, the Fluid Dynamics Panel held a Symposium on Hypersonics. During this Symposium, it
became clear that not a great amount of research had taken place in the preceding 15 years. However,
due to a number of space-flight programs that had recently been initiated, there was a renewed interest
in Hypersonic Aerothermodynamics.

By 1988, the HERMES and NASP programs were requiring significant advances in Hypersonics, and
as a result an ad hoc study group on Hypersonic Research and Technology was formed under the
guidance of the Fluid Dynamics Panel. Four technology interchange groups were established in the
following topical areas: Rarefied Gases; Viscous Interactions and Transition; High Enthalpy Facilities;
and Hypersonic Wind Tunnel Instrumentation. The work of these groups led to the formation of a
formal Fluid Dynamics Panel Working Group, WG-18, to continue the work of these ad hoc groups.

A number of experiments have either been performed or are scheduled to be performed within the
framework of this Working Group. Due to the complexities involved in assessing experimental data and
in the CFD validation program, a two year extension to complete this activity was approved.

The present report is a summary of the initial two years of activity. Each Chapter contains a summary
and a set of recommendations for the next period of activity. For this reason, no overall conclusions are
presented in this report. A final report (Volume II) will be produced at the end of the Working Group 18
activities.

John K. Molloy
FDP, Executive




L’hypersonique expérimentale et de calcul — capacité
amélioration et validation

(AGARD AR-319 Volume I)

Synthese

En 1987, le Panel AGARD de la dynamique des fluides a organisé un symposium sur I’hypersonique
lors duquel il a été constaté que trés peu de travaux de recherche avaient été entrepris au cours des 15
années précédentes. Cependant, il y avait eu un regain d’intérét dans 1’aérothermodynamique
hypersonique en raison du lancement récent d’un certain nombre de programmes de vols spatiaux.

Des 1988, des progrés importants en hypersonique étaient demandés pour permettre la réalisation des
programmes HERMES et NASP. Par conséquent, un groupe d’étude ad hoc sur la recherche et le
développement de I’hypersonique a été créé sous I'égide du Panel de la dynamique des fluides. Quatre
groupes d’échange de technologies ont été créés, couvrant les domaines suivants : les gaz raréfiés; les
interactions visqueuses et la transition; les moyens d’essais haute enthalpie; et I’instrumentation des
souffleries hypersoniques. Les travaux de ces groupes ont conduit 2 la création d’un groupe de travail
officiel du Panel de la dynamique des fluides, le WG-18, qui a eu pour mandat de poursuivre les
travaux de ces groupes ad hoc.

Un certain nombre d’expériences ont déja été faites et d’autres sont prévues dans le cadre de ce groupe
de travail. Vu la complexité de 1’évaluation des données expérimentales en question, une prolongation
des activités du groupe, d’une durée de deux ans, a été approuvée.

Ce rapport résume les deux premieres années d’activité du groupe. Chaque chapitre contient un résumé
et des recommandations concernant la prochaine phase des travaux. Par conséquent, le présent rapport
ne présente pas de conclusions générales. Un rapport final sera publié 2 la conclusion des activités du
groupe de travail N° 18.

John K. Molloy
Administrateur, FDP
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Preface

During the 1987 AGARD Symposium on Hypersonics, it became apparent that little significant research had taken place in the
preceding 15 years. However, due to a number of space-flight programs initiated at or around the time of the symposium, there was
a renewed interest in hypersonics.

In 1988, the HERMES and NASP programs were requiring significant advances in hypersonics and as a result, R. Graves and
E. Reshotko founded the ad hoc group on hypersonic research and technology under the auspices of the AGARD-FDP in October
1988. During a two-year period, the ad hoc study group, representing Belgium, France, Germany and the USA had the task to
prepare for possible formulized activities within AGARD such as a Working Group or Standing Committee. The original
contributors to the ad hoc group were Bogdonoff, Delery, Dujarric, Ginoux, Graves, Keinappel, Leynaert, Reshotko, Thery and

Wendt.

Four technology interchange groups of specialists were established in the following topical areas:
e Rarefield Gases;
e Viscous Interactions and Transition;
e High Enthalpy Facilities;
¢ Hypersonic-Wind-Tunnel Instrumentation.

The technology interchange groups organized their separate meetings and in the course of their work, identified research needs in
their areas. As a result of this work, at the 66th FDP Business Meeting at Friedrichshafen, Germany in April 1990, K. Keinappel and
C. Dujarric proposed the establishment of a FDP Working Group on the topic of “Definition of Calibration Experiments for High
Enthalpy Facilities and for Real-Gas Code Validation”.

This proposal, with minor modifications, was endorsed by the panel. Working Group 18, “Hypersonic Experimental and
Computational Capability, Improvement and Validation” has been active since early 1992. The group is chaired by K. Kienappel and
W. Saric. They are supported by the secretary, J. Muylaert. In addition to the usual practice of gathering and collating the existing
knowledge base, this working group also coordinates specific trans.-Atlantic cooperation. This aspect of its activities has made the
membership desirable to all research groups in hypersonics. This has led to an unusually large number of members in this working
group. Moreover, the number of panel members participating in the activities of WG-18 is also unusually large.

Within the framework of WG-18, a number of experiments have either been performed or are scheduled to be performed. Since the
usual 2-year period for working groups is not of sufficient duration for the assessment of large-scale experiments as well as the
applications of CFD validation, a two year extension has been granted for the working group. The present report is a summary of the
initial two years of activity. Each Chapter contains a summary and a set of recommendations for the next period of activities. For
this reason, no overall conclusions are presented here. A final report (Volume II) will be produced at the end of WG-18 work.

Members of the Working Group were as follows (FDP members are noted):

BELGIUM ITALY
J. Muylaert*, ESTEC M. Borsi*, Alenia CAD
J. Wendt, VKI M. Pandolfi, Pol. di Torino
FRANCE UNITED KINGDOM
J. Allegre, Sessia D.I.A. Poll*, U. Manchester
.J. Delery, ONERA
C. Dujarric*, ESA UNITED STATES
G. Francois, ONERA J. Arnold, NASA Ames
P. Vancamberg*, AMD S. Bogdonoff, Princeton
A. Boudreau*, AEDC
GERMANY W. Calarese, WPAFB
G. Eitelberg, DLR Géttingen S. Deiwert, Calspan
K. Kienappel*, DLR Berlin J. Moss, NASA Langley
P. Krogmann, DLR Géttingen W. Piland, NASA Langley
W. Saric*, Arizona State U.
GREECE G. Seibert, WPAFB
A. Panaras*, HAF G. Settles, Penn State U.

L. Williams*, NASA Headquarters
* Fluid Dynamics Panel Member

We should like to acknowledge the support of Arizona State University during the preparation of this report. In particular, the first
editor, W.S. Saric, would like to thank Ms. Colleen Leatherman, Mr. Mark Reibert and Mr. Joseph Myers for their contributions and
hard work.

K. Kienappel, Chair

W.S. Saric, Co-Chair

January 1996
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CHAPTER 1

CLASSIFICATION OF AERODYNAMIC AND
AEROTHERMODYNAMICS ISSUES AND PROBLEMS

George S. Deiwert

MS 230-2/RT
NASA-Ames Research Center
Moffett Field, California, 94035-1000
USA
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For the purpose of discussion, aerothermodynamic
phenomena are classified into seven types: aerodynamic
parameters, viscous/shock interaction, boundary-layer
transition, forebody-heating/heat-transfer, radiation and
ablation, lee and base-region flow, and low-density flow.
These seven types are listed in the first column of Table 1, are
illustrated schematically in Figures 1 - 7, and are discussed in
the following. This discussion defines the basis for the first
phase of the Working Group 18 activities.

1 AERODYNAMIC PARAMETERS

Aerodynamic parameters including lift, drag, and moment
coefficients, in the real flight of blunt vehicles such as Apollo
and slender vehicles such as the Shuttle Orbiter, are different
from those deduced from calculations or experimental studies
made in the perfect-gas facilities (Hillje and Savage 1968;
Maus et al. 1984; Park 1990). The difference is particularly
prominent in the trim angles of attack of these vehicles at
hypersonic Mach numbers: typically the trim angle is larger
than predicted by 2° to 4°. The real-gas phenomena are
believed to influence the pressure distribution via the changes
in the effective specific heat ratio, ¥, which occur mostly
under equilibrium or near-equilibrium conditions for a blunt
body, and via the geometrical imbalance in pressures due to
the nonequilibrium phenomena which occur mostly for a body
with sharp leading edge.

The effective specific-heat ratio, ¥, is well defined for
equilibrium or near-equilibrium real-gas flow as well as for
perfect-gas flow. When real-gas processes absorb energy,
both the specific heat at constant pressure and that at constant
volume increase, and Yin a real-gas is smaller than in a
perfect gas. The pressure distribution in such a real gas could
be calculated approximately by assuming that the gas is
perfect but that yvaries appropriately from point to point,
always with a value less than that in a perfect gas, if suchay
distribution can be determined a priori. For a perfect gas of
constant ¥, the pressure at the stagnation point or on a flat
plate at an inclined angle with an attached oblique shock can
be expressed as a function of the assumed y. Such a
relationship shows that the surface pressure increases when ¥
decreases. This phenomenon is strong near the blunt nose or
blunt leading edge, where the shock angle is large, and weak
elsewhere. The greater pressure near the leading edge of a
wing causes the center of pressure to move forward, which
results in an increase (nose up) in pitching moment. This
phenomenon occurs most pronounced under equilibrium or
near-equilibrium conditions.

When the flow is in a highly nonequilibrium condition, or
when the leading edge is sharp, a different type of
phenomenon affects the pressure distribution (Park 1990;
Rakich et al. 1983). Consider a thin wing consisting of a flat
plate with a sharp leading edge inclined at an angle. The flow
approaches equilibrium near the trailing edge and is far from
equilibrium near the leading edge because the flow residence
time is longer near the trailing edge than near the leading
edge. As a result, the effective ¥ is smaller near the trailing
edge than near the leading edge. The smaller y near the
trailing edge implies a greater density and consequently a
smaller shock angle. Thus, the oblique shock over the inclined
flat plate has the largest shock angle at the leading edge. This
decrease in shock angle causes a corresponding decrease in
pressure toward the trailing edge, which leads to a forward
shift of the center of pressure. This phenomena was, in fact,
observed in the early flights of the Space Shuttle Orbiter,
although it was not predicted from the ground-test data base.
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In both equilibrium and nonequilibrium conditions, the center
of pressure in a real-gas flow is located generally ahead of
that in a perfect-gas flow. As a result, the trim angle of attack
generally increases. Since there are more than one mechanism
causing the trim shift, there may be instances where they
cancel each other and produce no trim shift. The extent of the
shift of center of pressure or trim angle depends delicately on
both the state of the gas and body geometry. Numerical
calculations of these phenomena are generally difficult
because the moment coefficients are sensitive to small errors
in calculation.

2 VISCOUS INTERACTIONS

During the first high-speed reentry of the Shuttle Orbiter, the
body flaps were deflected to the maximum allowable angle in
order to produce upward lift in the tail region and thereby
offset the forward shift of the center of pressure mentioned
above. A deflected flap produces a flow feature known as a
compression corner. In the flight of the Shuttle Orbiter, the
compression corner produced by the body flap did perform
significantly more effectively than predicted, yet the
deflection did not fully compensate for the forward shift of the
pressure center produced by the real gas reduced gamma
effect (Maus et al. 1984). The phenomenon, which will be
discussed in Chapter VII, was incorrectly attributed to the
increased size of the viscous interaction region due to the
thickening of the boundary layer at the altitudes where the
phenomenon was observed (Holden 1986). In actual fact, high
temperature real-gas phenomenon provide another
explanation. In a supersonic flow over a cooled wall,
temperature reaches a maximum value inside the boundary
layer as a result of recovery of kinetic energy. Vibrational
excitation and dissociation will occur in this high-temperature
zone. These real-gas phenomena absorb energy and thereby
lowers the temperature. This in turn causes the density in the
high-temperature region to be higher than in a perfect-gas
flow, leading to a thinner boundary layer. The thinner
boundary layer results in a weaker shock/boundary-layer
interaction and a smaller separation bubble. Therefore, a
deflected flap should be more effective in a reacting flow than
in a perfect-gas flow, mitigating the reasoning made by Maus
et al. (1984). This behavior has recently been fully described
by Weilmuenster et al. (1993).

The compression corner is a comparatively simple problem of
viscous-inviscid interaction in which the high-temperature
real-gas effects may possibly be important. A more
complicated viscous-inviscid interaction occurs in a
shock/boundary-layer interaction in which a shock intercepts
a boundary layer. Such flowfields occur, for example, inside
the inlet and the combustion chamber of a scramjet engine
(Law 1972). Another complicated flow is one in which two
shocks intersect (Edney 1968). Such a flow occurs, for
example, when the bow shock from the nose intersects the
bow shock from the wing or vertical tail of a vehicle such as
the Shuttle Orbiter. In these three types of flows, represented
by Figure 2, the peak heat-transfer rates occur immediately
downstream of the point of strong pressure gradient where the

boundary layer is the thinnest and are very high, as indicated
by the solid curves in the lower figures.

The problem of viscous/shock interaction has been studied for
a long time. Until recently (Kortz et al. 1993), the effect of the
high-temperature real-gas phenomena on such flows has been
neglected. In an arbitrary flow geometry the location of the
shock, the thickness of the shock layer, etc., may be affected
by the real-gas phenomena. Moreover, the wall heat-transfer
rates are affected by the real-gas phenomena via surface
catalysis. By making the surface noncatalytic to
recombination of atomic species, the wall heat transfer rate
can potentially be reduced. The extent of the reduction will
depend on the degree of dissociation at the edge of the
boundary layer, which is in turn affected by the
nonequilibrium rate processes occurring in the region.
Theoretical descriptions of such phenomenon are beyond our
present capability, and therefore, experimental approaches
must be taken. The program of future experiments is
presented in Chapter II.

3 LAMINAR-TURBULENT TRANSITION

In a flow over a curved surface with a negative pressure
gradient, shown schematically in Figure 3, it is known that the
boundary layer may remain laminar to a relatively large
Reynolds number. In the case of the Shuttle Orbiter (Goodrich
et al. 1983), transition over the portions of the wings where
the pressure gradient was negative, occurred at x-Reynolds
numbers higher than 10%. This occurred despite of the gaps
between heat-shield tiles. One may surmise that this delay of
transition may be due to the chemistry effects. Turbulent
transition is known to be sensitive to inflections in the density
profile within the boundary layer. The density profile is
related to the temperature profile, which in turn is dictated
partly by chemistry. Because of the recovery phenomenon
mentioned in the preceding section, the chemical reactions
occurring in the high temperature zone of the boundary layer
tend to depress the temperature there. According to this
reasoning, the density profile in a real-gas should be flatter,
and therefore turbulent transition should be less likely.
Stability analyses of chemically-reacting hypersonic boundary
layers predict these trends (Reed et al. 1992; Stuckert and
Reed 1992, 1994). The bulk of these ideas are covered in
Chapter III.

4 FOREBODY HEAT-TRANSFER RATES

Data from the Shuttle Orbiter demonstrate that over most of
its hypersonic flight range, the heat-transfer rates to the
surface of a vehicle can be minimized by making the surface
chemically noncatalytic to the reactions involving atomic
oxygen, nitrogen, and possibly nitric oxide molecules as
shown in the schematic example of Figure 4 and the work of
Stewart et al. (1993) and Scott (1983). However, quantitative
characterization of this process is found to be difficult, mainly
because the surface processes are not easily amenable to
theoretical analysis. Thus, the study of this phenomenon is left
mostly to experimentation. There are two types of such
problems: First, the surface catalytic efficiency of the heat-



shield materials must be measured under realistic
thermochemical conditions, in a well characterized flowfield
such as at the stagnation point of a sphere. Second, the heat-
transfer rates to the surface of specified catalytic efficiency
must be measured over a model of given geometry.

5 RADIATION AND ABLATION

Radiative heating of entry vehicles becomes significant at
velocities greater than about 9 km/s in the Earth's atmosphere
and 7 km/s in the Martian atmosphere (see Figure 5).
Radiative heating is a problem for two different types of
vehicles: the AeroSpace Transfer Vehicles (ASTVs) and the
Apollo-type direct-entry vehicles. The ASTVs fly only at high
altitudes and do not descend to the planet surface. Radiative
heating for these vehicles is dominated by chemical-
nonequilibrium phenomena in shock layers (Park 1985a).

At freestream densities corresponding to altitudes below 70
km, the nonequilibrium-radiation behavior was found through
laboratory experiments to conform to the binary-scaling law
(Park 1985b; Cauchon 1967). According to this law, the
intensity of the nonequilibrium radiation is proportional to
density while the shock-layer stand-off distance decreases
with density behind the shock. Conceptually, therefore, the
radiative heat-transfer rate to the vehicle, which is a product
of the mean value of radiation intensity and the thickness of
the radiating zone, is approximately a constant. The flight
tests made with the Fire vehicle at altitudes above 70 km did
not confirm the binary-scaling relationship (Park 1985a;
Cauchon 1967). The data were interpreted to mean that the
binary-scaling relationship breaks down at altitudes above 70
km because there are insufficient collisions for the radiation to
occur, that is, a collision-limiting phenomenon occurs
(Cauchon 1967). An alternative description of the same
results is that the Fire vehicle was simply not large enough to
permit the full nonequilibrium layer to develop before the
flow is entrained in the boundary layer or expansion around
the body quenched radiation, that is, a truncation phenomenon
occurred (Park 1985a). An up-to-date method of calculating
nonequilibrium radiation (Park 1985b) indicates that the
binary-scaling law is valid up to an altitude of 110 km, and
the behavior observed for the Fire vehicle was due to the
truncation phenomenon (Park 1989). Experimental
verification is needed to determine at what combination of
altitude and the vehicle size the binary-scaling law fails and
the collision-limiting phenomenon becomes dominant.

For Apollo-type vehicles, peak radiative heating occurs at
relatively low altitudes where the shock layer is nearly in
chemical equilibrium (Curry and Stephens 1970). The extent
of ablation of the heat-shield materials over the Apollo
vehicle during the Earth entry flight is different from the
predictions made prior to flight (Park 1985a). Calculations
indicate that the extent of ablation is only about half of that
predicted by the most pessimistic method but twice that
predicted by the most optimistic method. Ablation in this case
is dictated mostly by radiative heating. Convective heat-
transfer rates are nearly zero here because the outward flow of
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ablation products prevents the conductive heat flux from the
hot region from reaching the wall.

The problem of radiative heating of the Apollo-type vehicle is
complicated further by the inevitable ablation of the heat
shield. The product gas of ablation forms a layer, which is
commonly called ablation-product layer, which shields the hot
shock layer gas from reaching the wall. The ablation-product
layer absorbs a portion of the radiative flux directed toward
the wall. In order to accurately predict the extent of ablation
of the heat shield, one must accurately predict the thickness of
the ablation-product layer and the thermochemical state
therein. There are several difficulties in doing so, aside from
the computational problem mentioned above. First, when the
ablation rate is substantial, the process could be turbulent
(Park 1989). Second, the ablation-product layer may not be in
chemical equilibrium (Curry and Stephens 1970). Third,
ablation may occur partly through spallation. The spalled
particles may penetrate deeply into the inviscid region of the
shock layer (Davies and Park 1984; Park 1984), vaporize, and
absorb or emit radiation therein. Theoretical calculation of
such an environment has not yet been possible.

6 LEE AND BASE FLOWS

The flowfield and heat-transfer rate distribution in the leeward
side or base region of the Apollo (Cauchon 1967; Slocumb
1967) and Space Shuttle Orbiter (Kleb and Weilmuenster
1992), depicted symbolically in Figure 6, are difficult to
predict. This is because the behavior of such flows is affected
by poorly understood crossflow, vortex flows, turbulence,
inviscid shear flows, entropy layers, and temporal instability,
in these geometries. In a high-enthalpy flow, these effects are
combined with the chemical reactions that influence the
temperature and density.

At reentry flight speeds in excess of 9 km/s, the radiation
emission in the base region may become sufficiently large to
warrant attention (Strawa et al. 1992). For a recently
envisioned aerobraking vehicle, the payload would be stowed
in the base region. As satellites, these vehicles are designed
typically to withstand only the rate of radiative heating by the
Sun, which is 0.14 W /cm®. During atmOSphen'c‘recntry the
radiative heat-transfer rate reaching the payload exceeds this
value. The magnitude of the radiative heat transfer rate
reaching the base region is presently unknown (Strawa et al.
1992).

7 LOW DENSITY

Low-density, real-gas questions involve such issues as thick
shock structure, noncontinuum analysis methods, thermal
nonequilibrium, and surface accommodation. Rarefaction
effects occur over a wide range of conditions ranging from
low-density, high-altitude flight to relatively high-density
flows of components with small characteristic lengths.
Aerodynamic drag and heating behavior is different from
continuum trends and should be considered when significant
flight time is expected under these conditions. A particular
interest for orbiting satellites which are used to perform
aeropass maneuvers to achieve orbit modification, is the
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aerodynamic drag and heating and the influence of surface
accommodation on these parameters. This is shown
schematically in Figure 7.

Two particular areas of present interest involving low-density
flows concern 1) the interaction of reactive-control-system jet
plumes with control surfaces of vehicles, and 2) the wake
closure of bluff-capsule reentry vehicles. These phenomena
are described in some detail in Chapter IV.
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Table 1. Aerothermodynamics Phenomena and Ground Test Capability

Ground test Facility Required
Category Facility Uncertainties Calibration
1. Aerodynamic Parameters shock tunnel contamination shock layer emission
hot-shot tunnel dissociation shock stand-off
pressure sphere heating
expansion tube short test time shock stand-off
sphere heating
Cd, Cl, trim angle free-flight range swerving motion none
2. Viscous/shock interaction shock tunnel contamination shock layer emission
hot-shot tunnel dissociation shock stand-off
transition sphere heating
cone transition
expansion tube short test time shock stand-off
transition sphere heating
cone transition
track range restricted geometry sphere heating
3. Boundary layer Transition pressurized range restricted geometry cone transition
tip ablation
surface roughness
4. Forebody heating/ arc-heated tunnel uncertain enthalpy shock layer emission
Heat Transfer noneq freestream stream properties
simple shapes track range instrumentation sphere heating
shock tunnel contamination shock layer emission
complex shapes hot-shot tunnel dissociation stream properties
sphere heating
5. Radiation and Ablation ballistic range with contamination shock layer emission
counterflow
equilibrium
arc-heated tunnel low Reynolds No. shock layer emission
uncertain enthalpy sphere heating
nonequilibrium large shock tube contamination none
6. Lee and Base Flow free-flight range instrumentation sphere heating
flow visualization
7. Low Density Flow Low Pressure Tunnel  low enthalpy stream properties
Large Shock Tube contamination none




Figure 1. Aerodynamic Parameters:
p, Cd, Ci, trim angle.

Figure 2. Viscous/shock interaction.

Figure 3. Boundary-layer transition.

Figure 4. Forebody heating and
heat transfer.

Figure 5. Radiation and ablation. Figure 6. Lee and base flows.

Figure 7. Low-density flow.
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1 INTRODUCTION

The flow past a vehicle flying at hypersonic speed is the
source of strong shock waves formed ahead of the vehi-
cle nose, the rounded leading edge of wings and tails,
at the compression ramp of the air-intake, and at the
control surfaces, to name a few examples. These shock
waves are the origin of interference phenomena result-
ing, first from the intersection of two shocks, and second
from their interaction with the boundary layers develop-
ing on the vehicle surface. Because of their great practi-
cal importance, these phenomena have been extensively
studied during the past 50 years and are still the subject
of active investigations due to their extreme complexity
(Liepmann 1946; Bogdonoff et al. 1953; for review arti-
cles see: Korgegi 1971; Holden 1986; Délery and Marvin
1986; Settles 1993).

Shock-wave/boundary-layer interactions occur at the im-
pingement of a bow shock, at a deflected flap, along axial
corners in wing-body and fin-wing junctions, etc. They
are also present in the air intake of an air-breathing
propulsion system and in the vicinity of an afterbody
where the nozzle jet meets the outer flow. Such interac-
tions can induce separation of the boundary layer which
causes loss of control effectiveness or flow degradation in
an engine inlet. Also, in high-enthalpy hypersonic flows,
the subsequent reattachment on a surface of the sepa-
rated shear layer gives rise to heat transfer which can be
far in excess of those of an attached boundary layer.

A large amount of information is available on shock-
wave/boundary-layer interaction in two-dimensional
flows, and the experimental results have allowed a rather
clear identification of the role played by the parame-
ters involved in the process. Therefore, the physics of
two-dimensional interactions can be considered as well
known, as far as the mean flow properties are con-
cerned. Also, correlation laws have been deduced, giv-
ing, for example, the upstream interaction length (limit
for shock-induced separation) and the peak heat trans-
fer at reattachment which may be of primary impor-
tance for practical applications. However, due to the
difficulty to perform “clean” experiments on a nominally
two-dimensional geometry, data which can be safely used
to validate computer codes are relatively scarce (Settles
and Dodson 1991). Indeed, most of the published results
are more or less affected by side effects, which makes
it difficult to draw clear conclusions from comparisons
between experiment and computation. In addition, de-
tailed information on the flow structure (mean velocity
and turbulence fields) are most often missing, especially
for hypersonic Mach numbers. On the other hand, shock-
wave/boundary-layer interactions are affected by more
or less strong unsteady effects which seem to be a dis-
tinctive feature of these phenomena (see Section 2.3).
Thus, most of the properties depicted in the coming sec-
tions are in fact relative to a mean flow resulting from
some kind of time averaging of the observed quantities.
In some circumstances, such a description can be so far
from reality that the question of its physical meaning can
be raised. However, since all the calculations made to
date have been executed by also considering mean quan-
tities, there is a consistency between the steady physical
description and the theoretical models.

In the following section, we shall examine some general
properties of flows resulting from shock-wave/boundary-
layer interactions without making a well-defined distinc-
tion between supersonic and hypersonic flows.

1. First, because the essence of the phenomena is ba-
sically the same, independent of the incoming Mach
number, the main flow features are similar. This is
not true for transonic flows where the hyperbolic-
elliptic nature of the outer inviscid flow leads to
specific characteristics. Transonic interactions will
not be considered here, although transonic situa-
tions may exist on a hypersonic vehicle.

2. Second, supersonic interactions actually occur on
a vehicle flying at hypersonic Mach number since
there is a considerable reduction in the flow Mach
number behind the bow shock.

Nevertheless, typical features of hypersonic interactions
will be clearly established and emphasis will be placed
on the specific problems met for hypersonic flow condi-
tions. For instance, the influence of wall temperature
will be discussed when information on the influence of
this parameter is available. As a matter of fact, one of
the typical features of hypersonic flows is the large differ-
ence existing between the wall temperature T, and the
outer flow stagnation temperature Tss,. This thermal
condition is frequently characterized by the ratio T+ /Tw
where T is the recovery temperature; i.e., the temper-
ature taken by the wall for adiabatic conditions, which
is not necessarily relevant for hypersonic flows in which
thermal equilibrium is never reached. This ratio can be
well in excess of 10 for re-entry conditions.

The high level of the outer-flow stagnation enthalpy also
leads to extremely high heat-transfer rates at the wall,
especially in shock-wave/boundary-layer interaction re-
gions. This important problem will receive special at-
tention. Also, because of the high temperature levels,
the flow behind the bow shock is dissociated leading to
the so called real-gas effects whose influence on viscous
interaction phenomena is poorly known, except from cal-
culations which are not yet validated. This question will
be briefly considered.

The aim of the following section is to give a brief pre-
sentation of the major physical properties of shock-
wave/boundary-layer interactions. in two-dimensional
(planar and/or axisymmetric) and three-dimensional
flows. Then (Section 3), a state-of-the-art flow pre-
diction is presented, with emphasis placed on problems
raised by the physical modeling of phenomena. In a third
part (Section 4), test cases collected to constitute a data
bank allowing a validation of computer codes are defined.
Finally (Section 5), recommendations are made for a
continuation of the research effort in matter of strong
viscous interaction in hypersonic flows.
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Figure 1: Basic shock-wave/boundary-layer interactions.

2 PHYSICAL PROPERTIES

2.1 Interactions in Two-Dimensional Flows

2.1.1 The Basic Configurations

What can be considered as the two basic configurations
involving interaction between a shock wave and a bound-
ary layer in supersonic or hypersonic flows are schemati-
cally represented in Figure 1. For the sake of simplicity,
in what follows the incoming flow is assumed uniform
and streaming along a flat plate.

1. The first, and most conceptually simple situation,
is the ramp (or wedge) flow. Here a discontinuous
change in the wall inclination is the origin of a shock
wave (C:) through which the incoming supersonic
flow undergoes a deflection Ay equal to the corner
angle a.

2. The second type of flow is associated with the im-
pingement on the wall of an incident shock (Ci).
Now, the incoming flow undergoes a deflection A,
through (C1) and the necessity for the downstream
flow to be again parallel to the wall entails the for-
mation of a reflected shock (C;) issuing from the
impingement point I of (C1). The deflection Ay,
produced by (C2) must be such that Aps = —Ag;.
The pressure jumps p1/po and p2/p1 through each
shock are not equal, though not very different.

In fact, reality is more subtle in the sense that other sit-
uations may occur in which the flow is dominated by an
interaction process between a shock wave and a bound-
ary layer. This is the case of separation induced by an
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obstacle, like a forward facing step. Then, the boundary
layer separates well upstream of the step with the accom-
panying formation of a separation shock. In a situation
of this kind, the shock is produced by the rapid coales-
cence of the compression waves generated in the region
where the boundary layer separates. The flow structure
results from a strong coupling between the outer inviscid
stream and the boundary layer according to a mechanism
called by Chapman a free interaction (see Section 2.1.3).

In the following sections, physical descriptions of the
shock-wave/boundary-layer interactions produced by a
ramp flow and an oblique shock reflection are given. We
consider in a global manner both laminar and turbulent
flows, since there is no basic difference between the inter-
actions associated with these two regimes. However, the
main and essential differences affecting the streamwise
scale and intensity of the phenomena is emphasized.

2.1.2 General Flow Organization

The compression ramp flow. The interaction produced
by a two-dimensional ramp is illustrated by the sequence
of microsecond spark photographs shown in Figure 2
(Settles et al. 1978). The incoming boundary layer is
fully turbulent and the four pictures correspond to dif-
ferent values of the ramp angle a.

In the o = 8° case, a distinct shock wave is seen to
arise from the corner location. This shock wave forms
well within the boundary layer which behaves like an
inviscid—but rotational—fluid over most of its thickness.
Indeed, in such a fast interaction process viscous forces
play a negligible role compared to the action of pressure
and inertia forces, except in a very thin layer in con-
tact with the wall. Moreover, at high Reynolds number,
the velocity profile of the boundary layer is so “filled”
that, starting from the outer edge, the Mach number
first slowly decreases over the major part of the boundary
layer and then tends to zero over an extremely short dis-
tance, so that the subsonic layer is extremely thin. These
facts explain why the shock originates from a region very
close to the wall. The weak influence of viscosity in this
kind of flow—when the ramp angle is moderate—was
demonstrated by perfect fluid calculations (Roshko and
Thomke 1969). This flow structure, which comprises an
outer isentropic region, an intermediate rotational part
and a thin viscous layer has a rational justification in
the Multi-Deck Theory (Lighthill 1953; Stewartson and
Willimaws 1969). This theory greatly contributed to the
understanding of strong interaction phenomena in high
Mach number flows.

For o = 8°, the upstream influence is very small since the
shock emanates practically from the corner angle. On
the other hand, for a = 16°, the shadowgraph reveals a
substantial increase of the upstream influence length due
to the intensification of the perturbating agency, namely
the shock strength. Also, the “spreading” of the shock
near the wall becomes more visible, the shock resulting
from the coalescence of compression waves induced by
the thickening of the low velocity portion of the bound-
ary layer.

For o = 24°, the pressure rise is high enough to provoke
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c-a=24deg

Figure 2: Shadowgraphs of turbulent ramp flows at
Mo = 2.85 (Settles et al. 1978).

significant separation of the boundary layer. In this sit-
uation

1. the corner upstream influence has considerably in-
creased,

2. a first shock forms well upstream of the ramp, and

3. the compression fan at reattachment meets the sep-
aration shock and reinforces it.

At high Mach number, the compression waves at reat-
tachment coalesce before reaching the separation shock
to form a reattachment shock which meets the separation
shock at a triple point.

The flow organization of a laminar hypersonic interac-
tion with separation is shown by the shadowgraph pre-
sented in Figure 3. The interacting flow is produced by
a ramp of angle @ = 15° mounted on a flat plate with
a sharp leading edge, at zero incidence, the upstream

Figure 3: Shadowgraph of a laminar hypersonic ramp
flow at Mo = 10 (Coét and Chanetz 1993).

c-a=36deg

Figure 4: Shadowgraphs of turbulent hypersonic ramp
flows at Mg = 8.6 (Holden 1972).

flow Mach number being equal to 10 (Coét and Chanetz
1993). In this case, separation occurs well upstream of
the wedge and reattachment takes place on the ramp.
The separation and reattachment shocks are clearly vis-
ible on the picture as also the shear layer emanating
from the separation point and impinging on the ramp in
the reattachment region. The typical features of a hy-
personic interaction are the intensity of the shocks and
their small inclination relatively to the surface.

The features specific to a turbulent interaction in hyper-
sonic flows are illustrated by the shadowgraphs in Fig-
ure 4 which are relative to ramp flows for an incoming
Mach number of 8.6 (Holden 1972).

1. When there is no separation (see photo a}, the main
shock (Ci) is very close to the ramp and emanates
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Figure 5: Hypersonic ramp flow. Sketch of the flowfield.

practically from the corner hinge.

2. The boundary-layer thickness on the ramp is much
thinner than that of the incoming boundary layer.
This important reduction in thickness is due to the
large increase in the unit mass flow pu resulting from
the compression through the shock.

3. When separation occurs, the shock pattern depicted
above may be embedded within the boundary layer.
This situation is more visible in the sketch of Fig-
ure 5. One sees that the triple point I can be ex-
tremely close to the wall so that the expansion wave

emanating from I reaches the wall at a small dis- b - Separated flow
tance behind reattachment, leading to an important Figure 6: Shadowgraphs of turbulent hypersonic ramp
pressure decrease. flows at My = 9.22 (Elfstrom 1970).

The shadowgraphs in Figure 6 give another example of a
turbulent hypersonic flow at a wedge compression corner
(Elfstrom 1971). In the separated case (see Figure 6b),
one clearly sees the separation shock and the shear layer
which develops between the outer inviscid flow, below the
scparation shock, and the “dead-air” region in contact
with the wall. Also, one notes the strong reattachment
shock which is intersected by the separation shock very
close to the ramp.

a-a=>5deg

(no separation)

The Impinging Reflecting Oblique shock. In the present b- o =6 deg
configuration, a shock wave is generated by a shock-
generator made up of a flat plate with sharp leading edge,
inclined at an angle ag relative to the uniform incom-
ing flow. The planar oblique shock originating from the
plate leading edge impinges on a straight wall facing the
shock generator. The sequence of schlieren photographs
shown in Figure 7 visualizes the shock reflection for in-
creasing values of the primary deflection Ay; through
the incident shock wave. In the present examp'e, the in-
coming flow Mach number is equal to 1.93 (Délery 1970).

c-a=8deg

(separation)

When the incident shock is weak (as for the first photo-
graph in Figure 7), the general flow structure does not
differ much from the perfect-fluid model. However, a
closer examination of the picture reveals that complex d-a=11de
phenomena take place within the boundary layer (see ‘ - g
sketch in Figure 8a). Thus, the incident shock (C)) i(separation)

progressively curves and weakens as it penetrates the
boundary layer because of the decrease in Mach num-
ber. The pressure rise through (C:) propagates up-
stream in the subsonic region making this part thicker,
which gencrates outgoing compression waves (I1) that

Figure 7: Schlieren pictures of turbulent shock reflections
at Mo = 1.93 (Délery 1970).
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Figure 8: Shock reflection. Schematic representation of
the flowfield.

coalesce to form the reflected shock (C2). The refrac-
tion of these waves and of the reflected shock as they
propagate through the rotational inviscid layer induces
the secondary wave system (lz). These last waves are
reflected by the sonic line as expansion waves (I3). For
weak incident shocks, the upstream interaction distance
is extremely short, so that the above flow pattern is em-
bedded within the boundary layer. Thus, at the outer-
flow scale, the only reflected wave is a shock (C2) caus-
ing a deflection Aps = —Agp; and the real viscous flow
closely resembles the purely inviscid solution.

Let us now consider the case of an incident shock strong
enough to separate the boundary layer. The resulting
wave pattern is visualized by the last two photographs
in Figure 7 and a schematic representation of the flow-
field is given in Figure 8b. The boundary layer separates
well upstream of the point where the shock would meet
the surface if the fluid were inviscid. The pressure rise
at separation results in compression waves propagating
in the supersonic part of the boundary layer and in the
outer inviscid stream. These waves coalesce to consti-
tute the shock (C») which intersects the incident shock
(C1) at point H from which emanate the two refracted
shocks (C3) and (Cs). After intersection with (C1), the
shock (Cs3) is bent because of the entropy gradient down-

I e BT i

c-0= 19.8 deg

Figure 9: Shadowgraphs of turbulent hypersonic shock
reflections at Mo = 8.6 (Holden 1972).

stream of (C2) and the compression waves generated by
the thickening of the boundary layer. Afterwards, (Cs)
enters into the separated dissipative layer from which it
is refracted into an expansion wave. The viscous flow,
which separates at S, reattaches on the surface at a point
R, a recirculation bubble forming between S and R. At
the same time, the thickness of the dissipative layer de-
creases and the external stream is progressively turned
to become parallel to the wall.

Shadowgraphs of turbulent interactions due to shock re-
flection in a hypersonic flow of Mach number 8.6 are
shown in Figure 9 (Holden 1972). Conclusions similar to
those pertaining to the wedge flow can be drawn. In par-
ticular, one notes the small angle of the reflected shock
relative to the surface. Now, the shock pattern associ-
ated with flow separation is almost entirely contained
within the boundary-layer flow. A laminar impinging
shock interaction is presented in Figure 10. In this case
the incoming flow Mach number is 2.2, but the overall
structure of the flow would be similar at higher Mach
numbers (Degrez et al. 1987). One sees that the stream-
wise extent of the interaction domain, scaled to the ini-
tial boundary-layer thickness, is far more larger than in
the turbulent case. Also, in the laminar regime, coa-
lescence of the compression waves induced by boundary
layer separation most often occurs well above the sur-
face, so that the intersecting shock pattern of Figure 9 is
generally not observed, except at hypersonic Mach num-
bers.
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Ramp flow

Q= 12.27 deg.

Figure 10: Schlieren pictures of a laminar shock reflec-
tion at Mo = 2.2 (Degrez et al. 1987).

Shock reflection

4 @ g ——
deg
Tr- " @ a - Density contour graphs
- '
/ /._,____.- 18
3 L — —a- 16 P
ol inviscid asymptote __
—— ST —
| o .’/l | P
2 //  pe—t—o- 10 o co°°‘ L
o] 4 oo
—°8
] K(M/ | oo.
ooe
1 oe
hinge_line |oca(ion - %; 3 -
-2 0 2 4 6 ?;;990 o compression ramp
. e 2 2o o shock reflection
Figure 11: Surface pressure distributions in a ramp flow o
at Mo = 2.95 (Settles 1975). ."o°
] 0“5‘9
-20 0 20 40  X.Xs(mm)

2.1.83 Wall Pressure Distributions and Scaling Laws
. b - Wall pressure distributions
The main properties of the wall pressure distribution in ) ) )
a supersonic or hypersonic interaction can be examined ~ Figure 12: Comparison of ramp flow and shock reflection
by considering typical experimental evidences: flow at Mo = 2.96 (Shang et al. 1976).

1. The results plotted in Figure 11 are relative to a
wedge flow at an upstream Mach number of 2.95 and
the incoming boundary layer is turbulent (Settles
1975). It is observed that the pressure starts to rise
upstream of the corner by virtue of the upstream
propagation mechanism.

flow and a flow induced by an impinging shock have
similar properties and scaling laws, the behavior of
the interacting boundary layer being primarily dic-
tated by the shock strength and not by the way the
shock is generated.

4. As shown by the results plotted in Figure 13 (EIf-
strom 1971), the interaction in hypersonic flows is
characterized by a large rise in pressure due to the
high pressure ratio across an oblique shock at high
Mach number. The pressure distributions exhibit
the following features:

2. For the highest values of the wedge angle «, the pres-
sure curves exhibit three inflection points, this shape
being typical of an interaction involving a noticeable
separation of the boundary layer. For largely sepa-
rated flows, the pressure at separation rises to reach
a constant level, or plateau.

o For moderate ramp angle (o < 26°), the shape
of the pressure curve does not differ much from
that observed at smaller Mach numbers.

3. The data plotted in Figure 12 are relative to a com-
pression ramp and to an impinging shock giving the
same overall pressure rise, with the initial conditions

identical in the two cases (Shang et al. 1976). Al- o The pressure rise associated with separation re-
though the structures of the two flows are very dif- mains similar when the separation point moves
ferent, as demonstrated by the density contour lines in the upstream direction as a consequence of
shown in the figure, one sees that the two pressure the ramp-angle increase. Thus, the pressure

distributions are nearly coincident. Thus, a ramp distribution is entirely determined by the flow
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Figure 13: Surface pressure distributions in a hypersonic
ramp flow at Mo = 9.22 (Elfstrom 1971).

situation at the interaction onset, the only ef-
fect of a rise in the overall pressure jump be-
ing to provoke an extension of the pressure
plateau.

Once separation has occurred, there is a large
asymmetry between the pressure rises at sepa-
ration and reattachment, the latter being much
more important. As the pressure rise to sepa-
ration does not depend on downstream condi-
tions, an increase in the overall pressure rise
necessarily entails a higher pressure rise at
reattachment. This can only be achieved by
an increase in the maximum velocity reached
on the discriminating streamline of the sepa-
rated zone, hence an increase of the shear-layer
length. This fact explains the rapid develop-
ment of the pressure plateau with the wedge
angle.

e When « is greater than 30°, the pressure dis-
tribution exhibits a decrease which follows the
rise corresponding to reattachment. Then it

tends to the constant level of the inviscid so-
lution with the tendency that the greater the
wedge angle, the higher the pressure overshoot.
This phenomenon, observed when the flow is
separated, could be associated with the shock
interference pattern that forms.

Properties of the wall pressure distributions have been
discussed by considering turbulent results. In fact, the
same trends are noticed in laminar interactions with the
major difference that the pressure gradients are far less
intense than in turbulent interactions.

The “intensity” of a shock-wave/boundary-layer interac-
tion can be characterized by its upstream influence; i.e.,
the distance at which the shock presence is first felt. This
distance is most often measured from the wedge corner
or from the point where an incident shock would impinge
the wall in a purely inviscid stream. A second point of
interest is the separation length which is conveniently
defined as the distance of the separation point from a
suitably chosen origin, for example the start of the inter-
action. The basic question that arises is as follows: what
are the appropriate scaling laws for these characteristic
lengths? The answer to this question is important, not
only for practical purposes, but also for the physieal un-
derstanding of the phenomenon. The search for scaling
laws has motivated a large number of studies whose clas-
sical results will not be reproduced here (see Spaid and
Frishett 1972; Settles and Bogdonoff 1973; Roshko and
Thomke 1974; Settles 1975). It was found that the main
parameters influencing the extent of an interaction are:
the upstream Mach number Moy, the Reynolds number
Ry, the wedge angle (or incident shock intensity), the
thickness do of the incoming boundary layer.

The behavior of the flow during a separation process can
be (partly) interpreted by the Free Interaction Theory
of Chapman whose main conclusions are worth to be
recalled (see Chapman et al. 1957). This theory shows
that the pressure rise during separation of a supersonic
boundary layer is given by

pP—po 1 2 -3 [X - Xo]
=(2C)2 (Mg —1) * F|—— 1
28 = (2050)F (345 - 1) =] @
where go is the dynamic pressure of the upstream flow of
Mach number Mo, Cy, the skin friction coefficient at the
interaction origin Xo and F'is a dimensionless correlation
function of the scaled streamwise distance

- X-Xo
X =57

The length scale L obeys a law of the form
~1
Lo 65Cy, (Mg —1)77

The Free Interaction Theory demonstrates that the pres-
sure rise during the separation process depends only on
the flow properties at the onset of the phenomenon, as
it was already noticed from experimental evidence. A
more rigorous demonstration of this fact was made by
Stewartson and Williams (1969) by using asymptotic ex-
pansicn techniques. Other correlation laws have been
proposed for the pressure distribution at separation of



the pressure plateau, frequently derived from the Free
Interaction Theory (Popinsky and Ehrlich 1966; Lewis
et al. 1967; Stanewsky 1973).

The Free Interaction Theory predicts a decrease of the
interaction extent and of the overall pressure rise when
the Reynolds number is decreased. This tendency is well
verified in laminar flows, but is in contradiction with ex-
periments in turbulent flows as soon as the Reynolds
number is greater than 10° (Zukoski 1967; Roshko and
Thomke 1974; Settles 1975). In fact, it is found that, be-
yond the above limit, a turbulent boundary layer offers a
greater resistance to separation when the Reynolds num-
ber is increased. This conflict, which was the subject of
many discussions in the 70’s, has been resolved by Set-
tles (1975) who showed that the behavior of the bound-
ary layer results from a competition between viscous and
inertia forces, the two having opposite influence. The
Free Interaction Theory privileges viscous forces, hence
its good results in low-Reynolds-number flows, whereas
at high Reynolds numbers, the inertia forces dominate
which tends to invalidate this theory.

The definition of a limit for shock induced separation,
mainly in turbulent flows, has also been a question of ma-
jor concern which motivated a great number of investiga-
tions and raised some polemics. This limit is most often
defined in the plane of two variables: the wedge angle (or
equivalent angle for shock reflection) and the Reynolds
number, a different curve corresponding to each value of
the upstream Mach number My (for details see Délery
and Marvin 1986).

2.1.4 Thermal Effects in Hypersonic Interactions

General Remarks. The high-enthalpy level of the outer
flow, typical of realistic hypersonic conditions, has three
direct and important consequences on strong interaction
phenomena:

1. When the temperature of the wall is well below the
outer-flow stagnation temperature, a cold-wall situ-
ation arises which may significantly affect the inter-
action properties.

2. Heat-transfer processes will take on a fundamental
importance, especially in separated flows where, as
already seen, the shear layer emanating from a sep-
aration point impinges the reattachment surface.

3. Real-gas effects, coming from the dissociation of air,
affect the thermodynamic and transport properties
in a way that probably influences interaction phe-
nomena.

The first two effects are well characterized from a rather
large amount of experimental results. Information on
the third effect is very scarce and mostly obtained from
calculations.

Wall-Temperature Effect on the Interaction Properties.

In carefully made experiments, Spaid and Frishett (1972)
found that cooling the wall contracts the interaction
domain and reduces the separation distance. This ef-
fect is illustrated by Figure 14 which shows variations
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Figure 14: Surface temperature effect on the separation
length (Spaid and Frishett 1972).

of the separation length Ls (normalized by the initial
boundary-layer thickness dg) with the ramp angle o for
different values of the Reynolds number and the ratio
Tw/T:. The decrease in L,/dp with wall temperature
occurs either within the framework of the Free Interac-
tion Theory since a decrease of the ratio Ty, /T provokes
an increase of the skin-friction coefficient, hence a con-
traction of L according to formula (1), or by an overall
contraction of the interaction domain resulting from a
thinning of the subsonic part of the boundary layer due
to the lower temperature levels near the wall. Indeed,
experiment shows that wall temperature weakly affects
the velocity distribution through a boundary layer; thus,
near a cold wall the sound velocity is lower and the Mach
number is higher.

The effect of wall temperature on the length of separa-
tion in turbulent flows was also investigated by Kilburg
and Kotansky (1969), Elfstrom (1971), Don Gray and
Rhudy (1973), Holden (1972) and by Back and Cuffel
(1976). These investigators also found that wall cooling
reduces the streamwise extent of the interaction region.
In experiments executed with a heated wall (T /T > 1),
it was found that a rise in wall temperature induced a
substantial increase of the interaction extent, which is
consistent with the above findings (Délery 1992). In
hypersonic flows, Elstrom (1971) also noticed that in-
creasing the wall temperature, starting from a cold-wall
situation, increased (modestly) the extent of a separated
region and magnified the pressure overshoot at reattach-
ment, as is shown by the wall pressure distributions plot-
ted in Figure 15. Further, as observed by Elfstrom, when
the wall temperature is increased, the pressure distribu-
tion of the attached flow develops an overshoot typical
of separated flows. Thus, the incipient separation an-
gle must decreace as the wall temperature is raised. Of
course, the reverse is true.

In a more recent study, Délery and Coét (1990) found re-
sults apparently in disagreement with previous results.
These authors performed experiments on a ramp flow at
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Figure 15: Surface temperature effect on a ramp flow at
Mo = 9.22 (Elfstrom 1971).

Mach 10, first with an uncooled model for which the ra-
tio Ty /T, was equal to 0.3, and second with the same
model cooled by circulation of liquid nitrogen, which al-
lowed a value Ty /T> = 0.1. The incoming boundary
layer was laminar. It was observed that the flow re-
mained nearly unaffected by this decrease in the wall
temperature, in contradiction to well-established results.
This unexpected behavior can be explained by the fact
that the uncooled model corresponds to an already cold-
wall situation, so that the variation of Ty, /T from 0.3
to 0.1 does not lead to substantial changes in the flow
structure.

Heat Transfer in Hypersonic Interactions. The salient
feature of hypersonic interactions is the existence of ex-
tremely high heat transfer rates in the interaction region,
especially when separation occurs. This problem is cru-
cial for the correct sizing of the thermal protection in
parts of the vehicle where such interactions are likely to
occur. The problem has received considerable attention
and has been studied by many investigators in laminar
as well as in turbulent flows (see in particular Needham
1965; Holden 1966, 1978, 1986; Nestler 1973; Hung 1973;
Hung and Barnett 1973; Stollery 1975).

Heat transfer rates are particularly intense in the vicinity
of the point R where the separated flow reattaches. This

rise in heat transfer is associated with the stagnation at
R of the shear layer developing from the separation point
S. Thus, in some respects, the situation at R is similar to
that of a nose stagnation point with the difference that
the flow impinging on the wedge (or control surface) has
been compressed through a succession of oblique shocks
at separation and reattachment, instead of a unique nor-
mal shock. Consequently, its (average) stagnation pres-
sure being higher, exchange processes will be much more
efficient, leading to high heat transfer rates.

The heat transfer rate is most often represented by the
Stanton number defined by

h
- PooUccCp (Tie = Ty)

St

where h is the heat-transfer rate (in W/m?), poo and Ueo
are the density and velocity of the upstream flow and Cp
is the constant-pressure specific heat. It should be noted
that the true Stanton number is

h

Si= ——————
‘ peteCyp (Tr — Tw)

where p. and u. are relative to the local flow conditions
at the edge of the boundary layer. Because these quanti-
ties, along with the recovery temperature T, are difficult
to determine in hypersonic interactions, the first defini-
tion of the Stanton number is most often used. Another
way to circumvent the difficulty is to plot the ratio h/hres
where h.ef is the heat transfer which would be measured
at the wall in the absence of the interaction.

A typical heat-transfer distribution in a wedge-induced
interaction is shown in Figure 16 (Délery and Coét 1990).
This result is relative to an upstream Mach number of
10, a Reynolds number Ry = 2.3 x 10° and a ratio
Tw/T- = 0.3. The model is a 15° ramp placed on a
flat plate with sharp leading edge. In these experiments
the boundary layer is laminar over the major part of the
interaction, but transition probably occurs in the reat-
tachment region. Nevertheless, the overall wall heat-
transfer distribution is typical of a laminar interaction.
The curve plotted shows that the heat transfer decreases
slowly in the most upstream part of the flat plate in ac-
cordance with laminar boundary-layer theory. A more
rapid decrease in heat transfer occurs at a location coin-
cident with separation onset. This decrease is typical of
shock-induced separation in laminar flows. Heat trans-
fer goes through a minimum in the separation region
and then increases sharply in the reattachment region,
the peak value being reached slightly downstream of the
reattachment point, as determined from the surface flow
pattern.

A more detailed view of the heat-transfer evolution near
a corner is given by Figure 17 which shows distributions
of the ratio h/h.es measured for different ramp angles
a. The decrease in heat transfer ahead of the corner,
always present even for very small wedge angles, coin-
cides with the initial rise in pressure resulting from the
upstream influence of the wedge. Downstream of the
corner, the heat transfer rate rapidly rises in the region
of high pressure gradient to reach a maximum before de-
creasing downstream of the interaction. As the wedge
angle is increased, a small region of separated flow is
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Figure 16: Surface heat transfer distributions in a lami-
nar ramp flow at Mp = 10 (Délery and Coét 1990).
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Figure 17: Laminar pressure and heat transfer distribu-
tions near the ramp (Needham 1965).

formed at the corner. The pressure distribution then ex-
hibits a knee just upstream of the corner and the heat
transfer is seen to develop a smooth minimum with a
continuously changing gradient instead of the cusp typ-
ical of attached flows.

Results relative to a turbulent interaction at Mach 5 pro-
duced by a 35° ramp arc presented in Figure 18. Al-
though the Mach number is modest, these results are
similar to those obtained at higher Mach numbers (see
for example, Elfstrom 1971 and Holden 1977). In this
case, the heat transfer first decreases slowly in the up-
stream part of the flat plate and then rises rapidly well
upstream of the ramp hinge line. This first rise, fol-
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Figure 18: Surface heat transfer distribution in a turbu-
lent ramp flow at Mo = 5 (Délery and Coét 1990).

lowed by a slow decrease, can be attributed to laminar-
turbulent transition. A second rise takes place at the sep-
aration station, this behavior, opposite to that observed
in laminar flows, is typical of turbulent shock-induced
separation. Further downstream, the heat transfer in-
creases sharply during the reattachment process to reach
a well marked peak value downstream of the reattach-
ment point.

Other typical results on heat transfer in a hypersonic flow
are shown in Figure 19. They have been obtained on a
wedge compression corner for an upstream Mach num-
ber equal to 9.22 (Elfstrom 1971). The plotted curves,
which correspond to increasing values of the wedge an-
gle o, confirm the fact that, in contrast to laminar re-
sults, the heat transfer rate increases in the separated
region when the incoming boundary layer is fully tur-
bulent. This rise may be explained by the amplifica-
tion of turbulence intensity taking place in the vicinity
of the separation point. The large eddies which then
form, promote exchanges between the wall region and
the outer high-enthalpy flow, thus leading to a rise in the
heat transfer. A close examination of the distributions
shows that near the separation point, the heat transfer
increases to about three times the flat-plate value before
falling again towards the corner. Just upstream of the
hinge line, the heat transfer again starts to rise due to
the upstream influence of the corner line. Thus, for the
present situation the total heat transfer in the separated
region ahead of the hinge line can be between two and
three times the corresponding flat-plate value.

The heat transfer levels in a separated ramp flow strongly
depend on the leading-edge radius of curvature of the
plate supporting the ramp (Holden 1978; Don Gray and
Rhudy 1973). This fact is illustrated here by the Stan-
ton number distributions plotted in Figure 20 (Coét
et al. 1992). These results have been obtained in a
Mach 10 flow, for a ramp angle equal to 15°, with a model
equipped with an interchangeable leading edge (sharp or
rounded with radius equal to 2.5 mm and 5 mm). The
stagnation conditions are such that the boundary layer
is laminar at the interaction onset. With the rounded
leading edges, there is a reduction by a factor of ten of
the peak heat transfer at reattachment. There is also a
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Figure 19: Surface heat transfer distributions in tur-
bulent hypersonic ramp flows at Mo = 9.22 (Elfstrom
1971).

contraction of the separated zone whose origin, denoted
by a decrease in heat transfer, moves in the downstream
direction when the leading edge is rounded. This en-
tropy layer effect is explained by the loss in stagnation
pressure provoked by the strong normal shock forming
in front of the leading edge. This results in a drop in
the local Reynolds number and consequently a greater
resistance of the flow to separation, in agreement with
the Free Interaction Theory, which compensates the op-
posite effect of a reduction of the local Mach number.

The effect of laminar-turbulent transition on hypersonic
interactions is a delicate question which has not yet been
elucidated and which would deserve more complete in-
vestigations because of its practical importance. Start-
ing from a fully laminar interaction, it is clearly estab-
lished that a rise in the Reynolds number R; provokes
a move of the transition region in the upstream direc-
tion until it reaches the reattachment region. Then, the
peak heat transfer becomes much higher than that of
the fully laminar case. At the same time, a reversal in
the Reynolds number dependence occurs, with the ex-
tent of the separation decreasing with an increase of Rr
(Heffner 1993). When Ry is raised, transition first tends
to stay in the reattachment region until a limit value
of Ry, is reached beyond which it suddenly moves to the
separation zone. With a further increase of the Reynolds
number, transition takes place upstream of the interac-
tion region, strongly effecting the flow structure. For
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Figure 20: Effect of leading-edge bluntness on sur-
face heat transfer distributions at Mp = 10 (Coét and
Chanetz 1993).

example, the separated zone disappears since the ramp
angle (or impinging shock strength) is now insufficient
to separate the turbulent boundary layer.

Most of the investigated “laminar” hypersonic interac-
tions are in fact transitional since maintaining a laminar
flow throughout the interaction region is difficult because
of the extreme sensitivity of the separated shear layer to
disturbances. This point, which is a major issue in pro-
viding really laminar cases for the validation of computer
codes, will be discussed in Section 3.3.

Real-Gas Effects. In true hypersonic conditions, the
flow over the vehicle will exhibit real-gas effects due to
the dissociation of air at the passage through the strong
bow shock. Hence, an interaction provoked either by a
ramp or a shock reflection will involve a flow whose com-
position and physical properties may be greatly modified
compared to the case of a non-dissociated gas. If the
calorically perfect gas (i.e., a gas with constant ratio of
specific heats «) is taken as benchmark, the real-gas or
chemical effects will be felt at two stages:

1. Since the thermodynamic properties of the flow are
not the same, the structure of the inviscid part of
the flow is modified as compared to the constant vy
case.

2. The transport properties (viscosity, heat conductiv-
ity, diffusion coefficient) are affected by dissociation
and chemical phenomena, which affect the behavior
of the viscous part of the flow.

To our knowledge, there are no experimental re-
sults about the incidence of real-gas effects on shock-
wave/boundary-layer interactions. The only available
information has been obtained from computations con-
sidering fully laminar interactions.

In ramp-type flow, under the assumption of chemical
equilibrium, it was found that in dissociated air a smaller
separated region tends to form, because of weaker shock
waves. Moreover, the heat-transfer rates are lower be-
cause of lower temperatures (Grasso and Leone 1992).




In the case of an impinging-reflecting shock and with
consideration of nonequilibrium chemistry for air, it is
found that the interaction is weakly affected by real-gas
effects at low Reynolds numbers (Ballaro and Anderson
1991). Then, the flow can be modeled with a fair degree
of accuracy by assuming a constant value for v (taking
into account the flow composition). This simplifying as-
sumption may be invalid in limit situations where the
reflection becomes singular (Mach phenomenon). Then,
an accurate calculation of the inviscid flow structure is
necessary. On the other hand, at high Reynolds num-
bers, chemistry effects lead to substantial differences in
the wall-pressure and heat-transfer distribution, with an
increase in the heat-transfer levels.

However, there are major differences are between the
non-catalytic and catalytic wall conditions. In the lat-
ter case, the interaction is strongly affected by the high
energy release which then takes place in the separated
region. This provokes a dilatation of the separation bub-
ble and a spectacular increase of the heat transfer levels
(Grumet et al. 1991).

2.1.5 Three-Dimensional Structures in Nominally
Two-Dimenstonal Flows

We will not consider in this section the side effects
which most often strongly perturb two-dimensional ex-
periments making their use to validate computer codes
questionable. These “macroscopic” three-dimensional
effects will be addressed in Section 3.3. Here, atten-
tion is focused on “microscopic” effects whose existence
is inherent to the three-dimensional nature of the world.

Surface visualizations by oil-flow techniques reveal
the existence in the reattachment region of a three-
dimensional pattern made of a cellular structure. Al-
ready observed by Roshko and Thomke (1965) in the
reattachment behind an axisymmetric step and in a su-
personic ramp flow by Settles et al. (1978), this phe-
nomenon is clearly visible in the photograph of Figure 21
which shows a surface flow pattern observed in a two-
dimensional ramp flow at Mach 10 (Coét and Chanetz
1993). A closer examination of such patterns shows
that the reattachment line carries in fact, a succession
of nodes and saddle points where the skin-friction line
pattern adopts the organization sketched in Figure 22a.
The reattachment line is thus a separator, according to
the terminology of the Critical Point Theory, which is the
trace on the wall of the attachment surface represented in
Figure 22b. This surface is made up of streamlines end-
ing at separation-type nodes which are coincident with
the saddle points of the surface flow. Due to the lack of
clear experimental information, the structure of the up-
stream part of the flow in the separation region is more
difficult to establish. The cellular structure is the im-
print on the surface of counter-rotating vortices which
probably have an origin far upstream of the reattach-
ment region.

Another feature frequently observed in hypersonic reat-
taching flows is the existence of spanwise variations of
the heat-transfer distribution giving rise to characteris-
tic striation patterns. An example of such a pattern is
given in Figure 23 which is relative to the Mach 10 ramp

Figure 21: Surface flow visualization in a hypersonic
ramp flow at Mo = 10 (Coét and Chanetz 1993).

flow already mentioned. The figure shows the heat trans-
fer distribution on the ramp determined from thermo-
sensitive painting technique. There is a clear repetitive
pattern in heat transfer along the ramp spanwise direc-
tion, the difference between the greatest and the small-
est heat-transfer levels in the striation region being close
to 50%. This phenomenon, observed by Miller et al.
(1964), has been investigated in some detail by Ginoux
(1969) who performed total-pressure surveys in the reat-
tachment region to define spacings and areas affected by
these more or less regularly spaced longitudinal pertur-
bations. Ginoux concluded that the features observed in
the reattachment region are similar to subsonic Taylor-
Gortler vortices on concave walls and it was hypothesized
that flow curvature was sufficient to support such a sys-
tem. The phenomenon was also carefully investigated by
Simeonides (1992), Simeonides et al. (1992) and by Ver-
meulen and Simeonides (1992) who used infra-red ther-
mography to map the heat transfer distribution over an
entire ramp type model. In the case of a model equipped
with a sharp leading edge, a clear correlation between
the striation pattern at reattachment and leading edge
irregularities was found. However, striations were also
observed with a rounded leading edge producing no dis-
turbance.

An accurate characterization of the Mach 10 ramp flow
was made by Coét et al. (1992) by means of de-
tailed heat transfer measurements using thermocouples
installed along two rows on the ramp. The spanwise
heat-transfer distributions thus obtained at 35 mm and
55 mm downstream of the hinge line are plotted in Fig-
ure 24a. One sees that along the first line, located 15 mm
downstream of the reattachment, there are large pseudo-
periodic variations of the heat transfer with an amplitude
reaching +40% of the average level at this location. This
amplitude is grossly divided by 4 along the line located
20 mm further downstream, showing that the spanwise
variations of heat transfer tend to level off when going
downstream of the reattachment region. In this case, it is
not possible to determine a well-defined spatial frequency
for the spanwise variations and to establish a correlation
between them and the vortical pattern revealed by the
surface flow visualizations.

Similar measurements were performed on the model
equipped with a rounded leading edge. As shown by the
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two-dimensional reattachment.

results plotted in Figure 24b, in this case the spanwise
variations of heat transfer are more regular and symmet-
rical with respect to the model median plane. The am-
plitude of these variations is respectively equal to £20%
and +15% of the average level along the lines located at
35 mm and 55 mm of the hinge line. A Fourier analysis
of these results allows the definition of a spatial wave-
length A = 13 mm, identical for the two distributions.
Unfortunately, in this case the quality of the surface flow
visualization was too poor to reveal the existence of a
system of counter-rotating vortices which could be asso-
ciated with the spanwise variations in heat transfer.

There is no clear explanation of the striation pattern af-
fecting the heat transfer distribution at reattachment.

Figure 23: Striation pattern in a hypersonic reattaching
flow at Mo = 10 (Coét and Chanetz 1993).

Results obtained with a sharp leading edge show an ir-
regular pattern which cannot be correlated with well-
organized longitudinal vortical structures. In this case,
the phenomenon seems to be much dependent on the
quality of the leading edge. Since most of the published
results are relative to transitional interactions, the no-
ticed large spanwise variations could be due to spanwise
irregularities in the transition process, high values of the
heat transfer being associated to an earlier transition.
Then, imperfections affecting the sharpness of the lead-
ing edge could have a predominant role.

2.2 Interactions in Three-Dimensional flows
2.2.1 Introductory Remarks

In reality, the vast majority of flows of practical interest
are three-dimensional, while planar two-dimensional or
axisymmetric configurations are exceptional. It is only
for obvious reasons of conceptual simplicity that most
studies, both experimental and theoretical, have been
devoted to two-dimensional flows. Indeed, in-depth in-
vestigation of three-dimensional interactions, especially
when separation occurs, is a delicate and lengthy task,
due to the complexity of the flowfields and the diffi-
culty to grasp their structure. Moreover, in spite of
great progress made in computer technology and numeri-
cal methods, accurate computation of three-dimensional
flows remains costly for shock-wave/boundary-layer in-
teractions where both strong discontinuities and small
scale features must be captured.

However, we have now at our disposal a relatively
large amount of recent experimental results on three-
dimensional interactions so that it is possible to give a
rather complete physical description of the flow organi-
zation, even if some features are not yet completely eluci-
dated and still subject to controversy. Most of these data
consist of surface flow patterns obtained by oil-film tech-
nique, wall-property distributions (pressure, skin fric-
tion, heat transfer) and, more rarely, in flowfield visual-
izations by optical techniques (Settles 1993). Quantita-
tive information on the flow structure (mean velocity and
turbulence fields) is relatively scarce because of the dif-
ficulty to execute measurements in a three-dimensional
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flow. Sophisticated methods have been developed, ei-
ther intrusive (multi-wire or multi-hole probes) or non-
intrusive (Laser Doppler Velocimetry, tomoscopic inter-
ferometry), but their use is still delicate and frequently
requires assistance of specialized teams, especially in
high-speed flows. For these reasons, there is still a gen-
eral lack of reliable results in the outer flowfield allowing
a fine description of three-dimensional interactions and
an in depth validation of theoretical models.

In spite of these shortcomings, one should not be nega-
tive about our capacity to predict three-dimensional sep-
arated flows and, as it will be seen in the coming sub-
sections, impressive results have already been obtained
which are in good agreement with available data.

The four basic shock-wave/boundary-layer interactions
met in three-dimensional flows are:

1. The swept wedge.

2. The swept shock, or glancing shock, in which a fin
normal to a plate produces an oblique shock inter-
acting with the boundary layer developing on the
plate.

3. The corner flow generated by two wedges assembled
together with their leading edges perpendicular.

4. The interaction induced by a blunt fin.

Variants of the above configurations may exist, the lead-
ing edge of the fin or obstacle may be swept or the blunt
obstacle set at an angle of incidence. Thus, a large num-
ber of three-dimensional situations may be conceived and
this is not the place to examine all of these possible cases.
In the present section we shall concentrate on the swept
oblique shock, the corner flow and the blunt fin which
leads to specific phenomena in the leading-edge region.

Because of the lack of experimental information on the
outer field, the following descriptions will use numeri-
cal simulations to establish a consistent description of
the flow structure. This approach is typical of three-
dimensional flow investigation in which measurements
must be completed by computations to arrive at a clear
physical understanding of complex phenomena, involv-
ing in the present cases, complicated inviscid shock pat-
terns.

2.2.2 The Swept Shock-Wave/Boundary-Layer
Interaction

Introduction to the Subject. The phenomenon of swept
shock-wave/boundary-layer interaction appears in the
axial supersonic or hypersonic flow between two inter-
secting surfaces. The configurations which have been
mostly studied are classified into those with one or two
surfaces providing compression. In the former case, basic
configurations are the attachment of a sharp fin normal
to a flat plate (see Figure 25a) and the attachment of a
swept compression corner on a flat plate (see Figure 25b).
The flowfields of these two configurations have been
found to be similar. The corner formed by the intersec-
tion of two wedges (see Figure 25¢; Hummel 1989) is the
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basic configuration of the flows with two surfaces provid-
ing compression. This configuration is usually called an
azial corner. In the class of the configurations with only
one compression surface, the case of the wedge/plate in-
take (see Figure 25d) has also been considered (Peake
and Tobak 1980). Recently, interest has been shown in
an extension of the single-fin geometry consisting of two
fins or wedges attached normally to a flat plate (Fig-
ure 25¢). This is the crossing shock configuration. The
aforementioned configurations are simplified shapes of
various elements of high-speed vehicles (junctions be-
tween wing/body or fin/body, intake duct of engines,
etc.). If the resulting swept shock-wave/boundary-layer
interactions are strong, locally high heat-transfer rates
and static pressures appear on some surfaces of a vehi-
cle.

Numerous studies of the swept shock-wave/boundary-
layer interaction, most of them experimental, have been
performed over the past thirty years. The experimen-
tal techniques offer reliable results on a surface or on
a section of the flow. On the other hand, a numerical
solution has the advantage to provide the values of the
various parameters in space (more particularly at the
grid points of the computational domain). These data
can then be transformed into images of the flowfield by
applying post-processing techniques. Regarding the flow
conditions in the fin/plate configuration, emphasis has
been given to supersonic speeds and turbulent boundary
layers. In the case of the axial corner, although there are
early experimental results on flows with turbulent super-
sonic conditions, the majority of the studies are related
to laminar hypersonic flows.

The structure of the flow in a fin/plate configura-
tion is described in detail in the very recent re-
view of Settles (1993) and Knight (1993) included
in the AGARD/FDP-VKI Special Course on Shock-
Wave/Boundary-Layer Interactions in Supersonic and
Hypersonic Flows, while the axial corner flows are ex-
amined in the review of Hummel (1989). In the present
Section the physics of the swept shock-wave/boundary-
layer interactions will be reviewed critically. The axial
corner configuration has not been included in the test
matrix prepared by the Working Group. However, since
there are great similarities between the development of
the flow in both types of interactions, with one or two
compression surfaces, we will mention some basic com-
mon features of the flow in Section 2.2.3.

In general, the interaction domain in these types of flows
is quasiconical; i.e., it grows almost linearly in the down-
stream direction. This feature has been observed experi-
mentally by many researchers, but it is also a conclusion
of a theoretical study by Inger (1987). More specifically,
through an order-of-magnitude analysis of the governing
equations, Inger has found that a swept interaction can
approach a quasiconical state at a large distance from
the origin of the flow.

The issues which will be examined in the next section
are: the nature of the separation bubble, the conical
similarity, the existing flow models and the secondary
separation.
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Nature of the Separation Bubble. In the case of the

fin/plate configuration, the oblique shock generated on
the fin crosses the boundary layer which grows along the
plate and, owing to the subsonic part of the latter, the
shock pressure increase is smeared out on the wall, ac-
cording to the upstream influence mechanism depicted
in Section 2.1.2. Consequently, a disturbed flow pattern
appears which covers a significant part of the flow up-
stream and downstream of the inviscid shock position. If
the shock is sufficiently strong, the flow separates and its
topology changes significantly. The intensity of the in-
teraction depends on the flow conditions (Mach number,
flow direction), the geometry of the fin (blunt or sharp,
swept or not) and whether the boundary layer is laminar
or turbulent. In the following analysis only strong inter-
actions will be examined which lead to the establishment
of separated flow. ’

Oil-flow pictures which have been taken during the early
years of study of swept shock-wave/boundary-layer in-
teractions, reveal that on the flat plate and ahead of the
shock, a separation line is visible, as well as a reattach-
ment line close to the corner. The first flow model of the
fin/plate configuration was proposed in 1974 by Token.
He suggested that a separation conical vortex appears
between the separation and the reattachment lines (see
Figure 26a). More recently, Kubota and Stollery (1982)
have improved the model of Token. Using the vapor-
screen technique, they have detected a smaller vortical
structure that appears on the surface of the fin, close to
the corner (see Figure 26b(1)). This small structure is
always present, according to Kubota and Stolery, even
when a weak interaction is established, in which no pri-
mary separation vortex is formed (see Figure 26b(2)).

Many numerical simulations of experimentally studied
fin/plate flows have been performed (see Section 3.3).
Horstman and Hung (1979) have computed a strong-
interaction case, in which experimental measurements
were done with a wedge angle of 16° at Mach number 4.
The calculations show that there is a massive eruption
of streamlines away from the surface along the separa-
tion line (see Figure 26c). Similar results have been ob-
tained recently by Knight et al. (1987), who examined
a flow studied experimentally by Shapey and Bogdonoff
(1987). Their results are shown in Figure 26d where it
is seen that the streamlines which originate upstream of
the separation (or coalescence) line close to the wall rise,
cross the separation line, and rotate in the direction in
which the separation vortex should rotate. These data
strongly support the model of the fin/plate flow that is
shown in Figure 26a. However, the following questions
have remained unanswered: What is the actual shape of
the conical flow? Does the longitudinal vortex of Kubota
and Stollery exist? These questions have been answered
recently in a paper written by Panaras (1992).

Using a Navier-Stokes solver, Panaras calculated the flow
studied experimentally by Shapey and Bogdonoff and
computed by Knight et al. (1987). After the validation
of the results, Panaras used various post-processing tech-
niques which have been developed at DLR, in order to vi-
sualize the elements of the flow structure. As regards the
visualization of the vortices, an effective technique has
been proposed by Vollmers et al. (1983). These inves-
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Cross-section of the vortices

Figure 27: Fin/plate configuration. Perspective view of the conical vortices and of the shock waves. Calculations by

Panaras (1992).

Figure 28: Visualization of the boundary-layer vorticity sheet (Panaras 1992).

tigators have shown that vortices exist in those parts of
a flow in which the discriminant of the velocity-gradient
tensor indicates complex eigenvalues. The discriminant
is evaluated numerically at all points of the grid. Con-
tour surfaces of constant values are then created and
displayed. These contours indicate where there are vor-
tices. The discriminant technique has been incorporated
by Vollmers (1989) in a graphic system called Comad:.

All the critical elements of the swept shock-
wave/boundary-layer interaction are included in
Figure 27 (Panaras 1992). The vortices which are
expected to appear in this type of flow are visualized
in the three-dimensional space by the contours of the

eigenvalues of the velocity-gradient field. In addition,
three cross-sections have been drawn on which the
density contours are displayed (visualization of shock
waves). It is observed that the flow is dominated by
a large vortical structure which lies on the. flat plate
and whose core has a remarkable conical shape with a
flattened elliptical cross-section. Also, on the flat-plate
side of the main vortex, a thin vortex has developed in
the direction of the flow. This is not an independent
vortex, but the core of the vorticity sheet which lifts
off the surface along the separation line and rolls up
to form the conical vortex. Along the vertical fin and
close to the corner, the longitudinal vortex (Kubota and
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Figure 29: Streamlines passing the core of the vortices (Panaras 1992).

Stollery 1982) is seen. It also develops conically, but
with a smaller rate of increase compared to the primary
conical structure. In the lower part of the figure, a
cross-section of the vortices is shown. There, it is
indicated that indeed the flat ground vortex constitutes
the initial part of the primary conical vortex.

In Figure 28 the vorticity sheet of the boundary layer is
shown, as evidence that the boundary layer lifts off the
surface of the plate along the separation line to form the
conical separation vortex. The formation of the corner
vortex along the fin is also clearly seen in Figure 28. The
induction characteristics of the vortices of the flowfield
are indicated in Figure 29 where some of the streamlincs
which pass through their cores are shown. It is seen that
the conical vortex completes more than one turn in the
calculated field, while it is hard to say that the fin vortex
turns in the extent of the field.

The density contours in three cross-sections of the flow,
which are also displayed in Figure 27, visualize the shock
system forming along and on top of the conical vor-
tex. The system is composed of the swept (or sometimes
called glancing) shock wave, of the separation shock, pro-
duced by the coalescence of the compression wave, and of
the rear quasi-normal shock, which extends from the bi-
furcation point to the surface of the conical vortex. The
shear layer which is expected to originate at the triple
point is not visible in Figure 27. However, if the absolute
value of the vorticity is used as visualization parameter,
the shear layer appears. This type of visualization is
presented later.

Regarding the features of the flow in a swept corner con-
figuration (see Figure 25b), we have mentioned already
in Section 2.2.1 that in general they have been found to
be similar to those in a fin/plate configuration. Actu-
ally, in a basic experimental study of the swept corner
flow, Settles and Teng (1984) have found that in addi-
tion to the conical flow regime, a cylindrical one appears
under different flow conditions. In Figure 30 an exam-
ple of the surface flow pattern is shown for these two
flow regimes. Interpretation of the surface flow pattern
leads to the conclusion that in the case of the conical
regime a quasi-conical vortex develops in the corner re-

a - Cylindrical interaction
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b - Conical interaction

Figure 30: Schematic of surface streak lines in a swept
corner flow (Settles and Teng 1984).
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Figure 31: Structure of the flow past a swept compres-
sion corner based on calculations of Knight et al. (1992).

gion, while the shape of the separation vortex must be
cylindrical in the other regime. According to Settles and
Teng, the cylindrical regime is associated with attached
shocks and the conical regime with detached ones. To
our understanding, no paper has been published related
to the numerical simulation of the cylindrical flow regime
observed by Settles and Teng.

More details regarding the features of the flow in a swept
corner are given in papers related to their numerical sim-
ulation. The latest publication is that of Knight et al.
(1992). The authors initially compared the calculated
results with appropriate experimental data with rather
good agreement. Then they draw the skin friction lines
and some streamlines (see Figures 31a and 31b), which
lead them to the development of the mean streamline
model shown in Figure 31c. The dominant feature is a
large vortex approximately aligned with the corner. A
three-dimensional surface of separation originates from
the line of separation and spirals into the core of the vor-
tex. The streamlines in this surface are strongly skewed
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in the spanwise direction. Another three-dimensional
surface, originating within the upstream boundary layer,
intersects the compression surface at the line of attach-
ment. This surface marks the extent of the flow en-
trained into the vortex. Within the upstream boundary,
fluid beneath this surface is entrained into the vortex,
while fluid above this surface passes over the vortex and
up the compression ramp.

Conical Similarity. In the case of the fin/plate config-
uration, recent experimental studies have verified the
quasi-conical nature of the interaction. In has been
found that in addition to the separation and reattach-
ment lines, the extrapolation of the undisturbed oblique
shock also converges approximately to the virtual origin
of the conical flow (Shapey and Bogdonoff 1987). This
origin lies upstream of the fin. At this point we mention
that, according to the experimental evidence, the sepa-
ration line is curved and not straight close to the apex.
The initial region of deviation from conical behavior is
called by Lu and Settles (1989) the inception zone.

According to Alvi and Settles (1990), an important con-
sequence of the quasi-conical nature of the fin/plate flows
is the presumption that their features are projected upon
the surface of a sphere whose center is the conical ori-
gin. They have demonstrated this feature of the conical
flow by using conical shadowgraphy. Focusing a light
beam at the origin of the approximately conical flow-
field and aiming it such that the resulting conical light
beam coincided with the rays of the swept interaction,
they obtained clear pictures of the flowfield of fin/plate
interactions. An example is shown in Figure 32a, for an
upstream Mach number equal to 2.91 and a fin incidence
a = 20°. The cross-section of the flow is normal to the
shock. It is seen that on top of the separation bubble lies
a well-bifurcated shock. From the shock triple-point, a
shear layer emanates and moves towards the corner. The
rather good collapse of the flowfield features in the con-
ical optical frame is considered by Alvi and Settles as a
proof that the interaction is almost conical in nature.

In the conical projection of Alvi and Settles (1990) the
flow seems to be quasi-conical and not conical. Then
the question arises: What causes this deviation? In this
context, Panaras (1992) observes that the different rate
of thickening of the conical vortex and of the bound-
ary layer of the plate is expected to affect the conical
similarity adversely. For studying this effect, Panaras
conically projected the sections (i) and (i) shown in
Figure 27 on the outflow section (ii¢). The iso-Mach
lines have been used as visualization parameters. The
results of this correlation are shown in Figure 32b. It is
observed in Figure 32b(2), where section (i) is conically
projected on the outflow section, that, while good coin-
cidence is observed between the separation bubbles, the
swept shock and the shock triple-point, the feet of the
lambda-shock system are fairly correlated, especially the
separation shocks, while there is no equivalence at all
between the boundary layers in the two cross-sections.
More particularly, the boundary layer of the first cross-
section is about 40% thicker than the boundary layer of
the third section. This large difference in the scaling is
due to the lower rate of development of the boundary
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a - Conical shadowgraph in a Me= 3,a = 20°
fin/plate flow (Alvi and Settles, 1990)
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Figure 32: Conical similarity of the flow. Conical projection of sections of the flow on the outflow plane.



layer, compared to that of the vortex.

The deviation from the conical behavior is smaller if
the two cross-sections which are conically correlated are
closer. This is demonstrated in Figure 32b(3) where sec-
tion (41) is conically projected on section (44). At this
point we note that in the shadowgraph pictures of Alvi
and Settles (see Figure 32a) multiple shock formations
exist, one close to the other. However, in this case the
effect of the boundary layer is not visible, because in the
optical technique used by Alvi and Settles it is not pos-
sible to distinguish the various cross-sections of the flow.
Panaras, in addition to the aforementioned illustrations
has presented quantitative data which verify the obser-
vation done in Figure 32b(2) that the deviation from
conical similarity is greater at the part of the flow be-
tween the separation shock and the plate.

Models of the Cross-Section of a Corner Flow. The first
qualitative model of the structure of the viscous part of
the flow has been presented by Korgegi (1976). In his
paper, Korgegi compares experimental results of laminar
and turbulent, supersonic and hypersonic flows about a
wedge/plate configuration. More specifically, he com-
pares the surface flow patterns, pressure distributions
and heat transfer. From the comparisons he concludes
that the characteristics of skewed shock-induced sepa-
rated regions do not exhibit any basic difference between
laminar and turbulent flow for comparable extent of sep-
aration, but of course the shock intensities needed for
extensive separation are much larger for turbulent than
laminar flow. Korgegi presents qualitatively a sequence
of flow characteristics (repeated here in Figure 33) from
unseparated flow to extensive separation on a planar sur-
face caused by a wedge-induced shock wave of progres-
sively increasing strength. The lines of interaction on
the surface are essentially conical. Korgegi assumes that
although his model is based on results of a wedge/plate
model they are also valid for the wedge/wedge (axial-
corner) configuration.

In strong interactions, the model of Korkegi predicts the
development of a secondary separation region within the
primary one, as shown in Figure 33e. In this figure,
S1 and R, are respectively the primary separation and
reattachment lines, and S2, Ry the secondary ones. The
component of surface shear normal to the lines of in-
teraction 7, undergoes three reversals in sign. At this
point we note that in the actual surface oil-flow pho-
tographs presented by Korgegi, the secondary reattach-
ment line exists only in the examined laminar flows. In
the turbulent flows, the photographs show that between
the primary separation and attachment lines, only the
secondary separation line exists. The reattachment line
does not clearly appear. We will return to this point in
the next section.

In the case of the fin/plate configuration, Kubota and
Stollery (1982) in addition to the separation vortices,
investigated the structure of the shock system. Of
paramount importance for the development of the flow
model is whether or not the lambda-foot bifurcation
of the fin shock at the region of its interaction with
the boundary layer appears, exactly as it happens in
a strong two-dimensional shock-wave/boundary-layer in-
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Figure 33: Flow model of Korkegi (1976).

teraction. In order to resolve this question, Kubota and
Stollery used the vapor-screen technique in their Mach 3
tests. According to their vapor-screen pictures, when the
angle of the fin is smaller than the one required for the
appearance of separation, there exists no-lambda shock.
On the other hand, for larger angles, when the corre-
sponding oil-flow picture suggests a separated flow, there
is evidence of the shock splitting into a lambda shape
near the edge of the boundary layer (see Figure 34).
However, it is seen in Figure 34 that the resolution of the
pictures of the vapor-screen technique is not adequate for
a firm conclusion. More recently, Bogdonoff (1990) tried
to clarify some critical features of the fin/plate interac-
tion, including the question of the Jambda shock. To that
purpose, he combined experimental (Shapey and Bog-
donoff 1987) and calculated results (Knight et al. 1987)
to construct the Mach number iso-line picture shown in
Figure 35. Inthis picture it is hard to say that a lambda-
shock formation is depicted, though in the examined in-
teraction (Mo = 3, & = 20°) the surface oil-flow pictures
indicate the existence of separation and reattachment
lines. Thus the question of the existence of a lambda-
shock formation in a fin/plate configuration remained
unresolved.




2-24

Tunnel side wall

Shock generator

i_ Side-wall boundary-layer edge
(Complete i
oil-flow i
onvergence A) (

I - Side-wall

T; boundary layer

Q

=4

- N\

Q

= AN

e w
‘Vortical

i

J —— separated layer’

. v s
-~ Comer vortex

(Oil-flow -® -3
divergence) | 7 \
A

(Oil-flow convergence B)  Shock generator

Figure 34: Detection of a lambda shock by Kubota and
Stollery (1982).

Mach number

f
:

Figure 35: Composition of Bogdonoff (1990).

Figure 36: Planar laser picture (a) and flow model (b)
of Alvi and Settles (1991).

Recently, Alvi and Settles (1991) obtained clear cuts of
the flowfield normal to the shock in a fin/plate config-
uration using the new planar-laser-scattering technique.
Their results led to the construction of a flow model in
conical coordinates. An example is shown in Figure 36
for a test case Mp = 3, @ = 16°. Panaras (1992) has ver-
ified numerically the model proposed by Alvi and Settles
using the iso-contours of the absolute value of the vor-
ticity as visualization parameter. This is shown in Fig-
ure 37 where we see that a remarkable similarity exists
between the calculated cross-section of the flow and the
model of Alvi and Settles. Later, Knight et al. (1992)
presented refined calculations of the test case of Alvi and
Settles in which the lambda shock is evident on various
colored contour plots, particularly the density plots. Ac-
cording to Knight et al., the computed flowfield exhibits
most of the features of the model of Alvi and Settles. The
computations do not exhibit the normal shock, transonic
shocklets, and secondary separation observed in the ex-
periment. :

Regarding the nature of the flow in a crossing shock ge-
ometry, Knight (1993) reviews in detail the computed
and experimental results and presents a model of the
streamline and shock structure. According to this model,
the principal feature is a pair of counter-rotating vor-
tices, generated by the individual single-fin interactions,
which interact at the plane of symmetry and rise above
the surface (see Figure 38a). The shock structure of the



model of Knight (1993) is shown in Figure 38b, at var-
ious cross-sections of the flow. Near the leading edge
of the fins, the flowfield is comprised of two single-fin
interactions which are characterized by a lambda shock
(see Figure 38b(1)). Downstream of the leading edge, the
separation shocks (2) intersect, forming a reflected shock
with two segments (4a) and (4b) (see Figure 38b(2)).
The “bridging” segment (4a) rises with increasing down-
stream distance. The remaining segment (4b) moves to-
wards the fins and interacts with the rear segment (3)
of the original lambda shock, forming a localized high
pressure region (6). A separate curved shock (5) forms
on the center line near the surface and is associated with
the turning of the flow near the surface along the plane
of symmetry (see Figure 38b(3)). Downstream of the in-
tersection of the inviscid shocks (1), an expansion region
(8) forms, while the separate shock (5) remains (see Fig-
ure 38b(4)). The reflected shocks (7) move towards the
fins.

Secondary Separation in Turbulent Fin/Plate Inter-

actions. In the previous section, we noticed that
according to the data of Korkegi (1976) for a
wedge/plate configuration, while in a laminar strong
swept-shock/boundary-layer interaction, a secondary
reattachment line appears (in addition to the separation
one), no secondary reattachment line is visible in a tur-
bulent interaction. Also, in the turbulent fin/plate flows
studied by Settles and his associates at Penn State Uni-
versity, the existence of a secondary separation line in the
surface flow pattern has been detected only in interac-
tions of moderate strength and it disappears in stronger
ones. The first data regarding this strange phenomenon
were published recently by Kim et al. (1990) and since
no other evidence than the separation line has been de-
tected, related to the phenomenon of the secondary vor-
tex, Alvi and Settles state that “this separation is too
weak to qualify unequivocally as a secondary separation
of the reversed flow within the primary separation zone”.

Panaras and Stanewsky (1992) have simulated numeri-
cally one of the flows of Alvi and Settles (1990) in which
the secondary separation line appears. They found that
if the Baldwin-Lomax algebraic-turbulence model is in-
terpreted according to the physics of the flow (Panaras
and Steger 1988), the resulting numerical solution agrees
well with the experimental evidence (wall pressure, skin
friction). Then, post processing of their solution revealed
that actually in this type of interaction the secondary-
separation phenomenon is similar to that observed in
flows about bodies at high incidence.

In Figure 39a a perspective view of the skin-friction lines
along with some cross-sections of the vortices are shown
(visualized by the discriminant technique). In this figure,
it is demonstrated that the secondary vortex is gradu-
ally formed along the secondary separation line. In this
case there also exists no secondary reattachment line. It
seems that a finer grid is necessary in the region of the
secondary separation, for resolving the local details of
the flow.

In Figure 39b a cross-section of the vortices and the cor-
responding variation of the wall pressure and of the skin-
friction coefficient are shown. It is seen that the sec-
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ondary vortex coincides with a peak in the skin-friction
distribution in the direction normal to the shock, Cy,,
exactly as it has been postulated by Korkegi (see Fig-
ure 33e). Furthermore, it lies close to a secondary peak
in the total skin friction Cy. In Figure 39c the velocity
vectors have been drawn in a cross-section normal to the
axis of the secondary vortex. It is seen that a weak circu-
latory motion exists very close to the surface of the plate
at z/é = 12-15.5. Also, above the secondary vortex a
nearly “dead-air” region of triangular shape exists. Pa-
naras and Stanewsky conclude that in the crossflow, the
lower part of the conical vortex is channeled between the
fin and the secondary vortex, which appears as a “bump”
of triangular shape.

In his recent review, Settles (1993) includes some signifi-
cant experimental data from the Institute for Theoretical
and Applied Mechanics in Novosibirsk. These data have
originally been published in Russian, and part is related
to secondary separation. We transfer here some of the
conclusions of the Russian scientists, as they were quoted
by Settles. According to Zheltovodov et al. (1987), the
secondary separation line first appears once the interac-
tion has achieved a certain strength, showing up in the
conical region but not in the inception zone (exactly as
it is shown in Figure 39a of Panaras and Stanewsky). Its
spanwise extent grows with increasing shock strength but
then diminishes again, eventually appearing only in the
inception zone and then disappearing altogether. Sec-
ondary separation then reappears in the strongest in-
teraction observed today (Mo = 4,a = 30.6°), but in
a different position closer to the fin than previously.
The experimental results of Zheltovodov et al. demon-
strate that the initial behavior of secondary separation
is related to laminar, transitional and then turbulent re-
versed flow in the swept separation bubble. They also
ascribe the reappearance of secondary separation to the
development of supersonic reversed flow in the separated
region with an embedded normal shock wave. Regard-
ing the secondary reattachment line, Zheltovodov and
his associates have obtained evidence of its existence in
the aforementioned extremely strong interaction (very
close to the secondary separation line).

2.2.8 The Azial Corner Flow

Regarding the axial corner established between two in-
tersecting plates or wedges, experimental results at high
supersonic and hypersonic Mach numbers have started
to appear in the literature in the sixties (Stainback 1960;
Stainback and Weinstein 1967). In those early tests,
pressure distributions and heat transfer rates were mea-
sured on the wall in the corner region. The tests indi-
cated that both parameters have considerably high val-
ues in the corner region. The first flowfield measure-
ments were performed by Charwat and Redecopp (1967)
and led to the identification of the shock system which is
established in these types of flows. Regarding the nature
of the viscous part of the flow in a wedge/wedge config-
uration, Charwat and Redecopp found some indications
of separation in the corner. Later it was found that the
separation bubble is actually a conical vortex. Strong ev-
idence of corner vortices was provided by Bertram and
Henderson (1969) and especially by Kirke and Hummel
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Figure 37: Calculation of Panaras (1992).
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Figure 40: Flow model of Hummel (1989).

(1975) who mention that the superposition of the sep-
arated crossflow with the longitudinal flow component
leads to vortices on both sides of the corner, which start
at the leading edge of the corner and increase down-
stream.

A complete model of the axial corner flow has been devel-
oped at the Braunschweig Technical University by Hum-
mel and his associates (e.g., Miillenstadt 1984; Hummel
1987). In their experimental investigations, hypersonic
wedge/wedge laminar flows were studied. The measure-
ments included Pitot pressure, wall pressure, heat flux
and oil-flow pictures. Interpretation of the results pro-
vides the synthesis of the crossflow shown in the right
part of Figure 40a, for a M = 12.3 laminar flow. The
inviscid part of the flow has been calculated by the shock
relations and a few key experimental data. The similar-
ity of the results of this simple calculations with the flow

surveys (left part of the figure) is remarkable. The flow
structure close to the wall was drawn from evaluation of
the shear-stress pattern (see Figure 40b). The qualita-
tive features of the viscous part of the flow, including the
variation of flow parameters close to the wall (skin fric-
tion lines, shear stress) are similar to the model proposed
by Korkegi presented in Figure 33. Among other param-
eters, Hummel and his associates varied the leading-edge
sweep of the wedges in order to study interactions of
variable strength. They found that the strength of the
primary and of the secondary vortices are reduced with
increasing sweep angle, and for large sweep angles, the
secondary separation disappears.

The similarity of the flow model of Hummel (1989) with
that of Alvi and Settles is evident. There are only two
differences. First, the lack of separation shock in the
former case, where according to Hummel compression



waves are generated in an axial corner at the region
of separation of the boundary layer instead of a shock
wave (because the thickening and separation of laminar
boundary layers is much smoother than for turbulent
boundary layers). Second, in the fin/plate configuration,
there exists no secondary reattachment line.

Regarding the numerical simulation of the corner flow
the results of Qin and Richards (1987) are significant.
Their method is based on the assumption of local con-
ical flow; i.e., the radial derivatives of the flow quan-
tities are taken equal to zero. This is a critical as-
sumption since the conicity of the flow is an issue that
should be investigated numerically, and not assumed
a priori. However, there are other aspects of the cross-
section of the flowfield that are clarified by the method
of Qin and Richards. An example of calculation of the
M =12.3 flow in a wedge/wedge configuration is shown
in Figure 41. The agreement with the experiments of
Miillenstadt (1984) is very good (see Figure 41a). Also
the streamlines in the calculated cross-section (see Fig-
ure 41b) support the model of Hummel shown in Fig-
ure 40a. It is noted that the solution of Qin and Richards
predicts a corner vortex which has not been reported
earlier. Is it similar to the corner vortex discovered in
the fin/plate configuration by Kubota and Stollery? For
the clarification of this question a combined experimen-
tal/computational program is necessary.

2.2.4 The Blunt Fin

General Remarks. In this configuration, a fin with a
rounded leading edge—or blunt finr—is mounted perpen-
dicularly to a flat plate on which a boundary layer devel-
ops. For the sake of simplicity, the fin will be assumed
without incidence and unswept, the incoming supersonic
flow being uniform. Although this configuration is not
included in the data base, it is worth to recall the main
properties of the flow generated by a blunt fin since this
geometry is frequently met in practice.

When the obstacle heigh* is sufficient, very high values
of the pressure, pressure gradient and heat transfer rate
are measured on the obstacle and in its vicinity, on the
plate. Hence, this kind of flow has a great practical
importance and has been the subject of specific inves-
tigations (Price and Stalling 1967; Westkaemper 1968;
Korkegi 1971; Winkelman 1972; Kaufman et al. 1972;
Dolling et al. 1979; Stollery et al. 1986; Aso et al. 1990).
The three-dimensional flow considered here is extremely
complex and depends on a large number of parameters:
the size, shape and angle of incidence of the obstacle,
the upstream Mach number, the Reynolds number, the
thickness of the incoming boundary layer, the shape of its
velocity distribution. Because of this complexity, infor-
mation on this type of interaction is more scarce. Hence,
the flow organization and its general properties are still
far from being entirely elucidated.

The Inviscid Flow Structure. The structure of the invis-
cid outer flow associated with the interaction is revealed
by sketch in Figure 42, established from a schlieren pic-
ture of the flow produced by a blunt fin with a circular
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metry of the wave system forming at the obstacle foot.
This system is made of the leading-edge shock (or bow
shock) (C1) and of the separation shock (C2) originat-
ing well upstream of the obstacle, within the boundary
layer. Shocks (C1) and (Cz) generate a transition of the
upstream state (0) to states (1) and (2), respectively.
Their intersection at point I; gives rise, in this case, to a
complex wave pattern. From the triple point I; emanates
the shock (C3) through which there is a transition from
state (2) to state (3). Downstream of (Cz) and (Cs) the
flow is still supersonic, whereas it is subsonic after (C1)
which is a strong, nearly normal shock. Consequently,
states (3) and (1) are separated by a slip line (X) across
which velocity and entropy undergo strong discontinu-
ities.

A second triple point I exists, from which—in addi-
tion to (C3)—two oblique shocks (C4) and (Cs) start.
Downstream of (C4) one observes the formation of a su-
personic jet, bounded by the two boundaries (fi) and
(f2) and surrounded by the subsonic flows (1) and (5)
in which the pressure is nearly constant. At the impact
point of the jet with the fin, extremely high values of the
pressure and heat transfer can be measured if the up-
stream Mach number Mp is high. This kind of structure
has been designated as a Type IV interference by Edney
(1968). Variants, of the Type III for example, can be en-
countered in obstacle induced separation. However, the
permanent features of the wave pattern associated with
this kind of interaction are the detached shock (C1), the
separation shock (C2) and the Mach stem (C3). In hy-
personic flows, the heat transfer in the impact region of
the supersonic jet (or shear layer in the case of a Type III
interference) can reach 20 times the level existing at the
nose of the vehicle, hence the great importance of a care-
ful examination of obstacle induced separation.

The Separated Flow Structure. An example of surface
flow visualization is given in Figure 43a. This result has
been obtained by Sedney and Kitchens (1977) ina M =
2.5 flow for an obstacle constituted of a circular cylinder.
This visualization reveals the following features:

1. A critical point S of the saddle type exists well up-
stream of the cylinder. Through S goes the sepa-
ration line (S) towards which the skin-friction lines
converge.

2. An attachment node R is visible very close to the
obstacle. Through R goes the attachment line (4).

3. The two spots of visualization, visible behind the
cylinder, denote the existence of two critical points
of the focus type. These points are the trace on
the surface of two tornado-like vortices escaping into
the outer flow where they rapidly bend in the down-
stream direction. This feature is typical of this kind
of obstacle.

4. The picture also reveals the traces of the bow shock
and of the Mach stem.

For more clarity, a sketch of the surface flow pattern is
shown in Figure 43b. The skin-friction lines converg-
ing towards the separation line (S) from downstream all

emanate from the attachment node R. The attachment
line (A) separates these lines into a first family tend-
ing towards (S) and another family streaming towards a
second separation line, very close to the obstacle and for
this reason, not visible.

An interpretation of the outer flow structure in the plane
of symmetry is shown in Figure 44. The point S is the
origin of a streamline, having the character of a separator
(81), which flows into the focus F3. In a similar way, the
attachment point R is the end point of the separator
(82). It is to be noticed that R, which is a node on the
plate, has the character of a half-saddle in the outer flow.
The streamlines comprised between (S1) and (S2) flow
into the focus F; where they “disappear”. Thus, the
separated flow is essentially constituted by a horseshoe
vortex, surrounding the cylinder, its trace in the vertical
plane of symmetry being the focus F1. It is probable that
a second vortex, associated to the focus F» exists very
close to the cylinder foot, as represented in Figure 44.
Then an attachment point R’ must be present on the
cylinder. Furthermore, a separator emanating from the
corner and winding around F; must be introduced to
insure the topological consistency of the flow structure.

For a given obstacle and a fixed upstream Mach number
Moy, the separated flow structure can change consider-
ably with the Reynolds number. Figure 45a shows a
surface flow visualization where, in addition of the sepa-
ration line (S), one observes two “secondary” separation
lines (S1) and (S2). To these lines are associated the
attachment lines (A), (A1) and (Az). The surface flow
pattern is drawn in Figure 45b, while Figure 46 shows
the flow organization in the vertical plane of symmetry.
Now, four vortices, corresponding to the foci i, Fa, F3
and F;, surround the obstacle.

Other vortical structures can be observed such as the
transition from one structure to the other occurring for
small changes in the Reynolds number and being per-
fectly reproducible. This behavior suggests a delicate
balance of the flow which is easily modified by slight
changes in the initial conditions.

Similar observations were reported by Ozcan (1982) who
made experiments for laminar conditions. This author
noticed that the number of separation lines fall from 3
to 2 and then to 1 when the Reynolds number is raised.
However, at still higher values of the Reynolds number,
several separation lines were visible again. This behavior
presents a strong similarity with the one observed by
Zheltovodov et al. in the case of the swept shock wave
and which was attributed to an influence of laminar-
turbulent transition (see Section 2.2.2 above).

Similarity Properties and Scaling Laws. The question
of the similarity properties of the blunt obstacle induced
interaction has been considered by several investigators
(Uselton 1967; Westkaemper 1968; Lucas 1971; Winkel-
mann 1972; Sedney and Kitchens 1977; Dolling et al.
1979). Here we will restrict ourselves to the main con-
clusions of these studies. In particular, Dolling (1982)
has shown that in the case of a blunt obstacle, one has
to distinguish two regions:
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Figure 43: Surface flow pattern of a blunt-fin induced separation at Mp = 2.5. Two vortex configuration (Sedney
and Kitchens 1975).
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Figure 45: Surface'flow pattern of a blunt-fin induced separation at Mo = 2.5. Four vortex configuration (Sedney
and Kitchens 1975).

1. Close to the obstacle, in the inner region, there is a

domain where the flow is dominated by the leading-
edge influence. Inside this domain, the flow prop-
erties are dictated by the diameter D of the lea<-
ing edge and are nearly independent of the incom-
ing boundary-layer thickness do. In particular, the
upstream influence length, defined as the distance
between the obstacle and the onset of the pressure
rise, is practically unaffected by a change of do/D.
Thus, the upstream influence is a function of D only,
nearly independent of Mo and do.

This -strong dependence with respect to a geo-
metrical parameter would tend to prove that this
kind of interaction has an essentially inviscid char-
acter. The phenomenon is thus radically differ-
ent from the separation process in front of a two-
dimensional step, in spite of the similarity of the
pressure distributions. Indeed, as we know, for
two-dimensional separation the interaction domain
is scaled by the incoming boundary-layer thickness
(see Section 2.1.3 above). Sedney and Kitchens have
demonstrated that for a cylindrical obstacle the pri-
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Figure 46: Schematic representation of the flow in the vertical plane of symmetry. Four vortex configuration.

mary separation length L, defined as the distance
between the cylinder leading edge and the saddle-
point S, depends mainly of the diameter D and
height h of the cylinder, and to a lesser extent of
the Mach number My, but not of J;.

2. At large distances from the obstacle, there exists an
outer region where the interaction properties are in-
dependent of the fin bluntness. Then, as shown by
Dolling, the scales of the phenomenon are the same
as those of the swept-shock/boundary-layer interac-
tion (see Section2.2.2 above).

The results relative to the inner region raise the question
of the distinction which must be made between a “small”
and a “large” obstacle. More precisely, an obstacle will
be said to be large if it leads to an asymptotic behavior,
which means that any further increase of its height does
not change the interaction extent. In particular, once the
asymptotic height h = h, is reached, then the upstream
influence length, the primary separation distance and
the location of the triple point I are independent of h.
The definition of a scaling law for h, has been carefully
examined by Dolling and Bogdonoff (1981) who arrived
at the conclusion that the appropriate scale for h, is the
diameter D. A similar behavior was observed by Sedney
and Kitchens (1977) who found that h, depends weakly
of the upstrearmn Mach number My and Reynolds number
(provided that the regime be fully turbulent). On the
other hand, in laminar flows Ozcan (1982) found that L
depends strongly of the Reynolds number, an increase in
this parameter inducing an increase in Ls. The tendency
is reversed when the flow becomes transitional.

2.3 Other Aspects of Interacting Flows

The above sections have given a brief description of some
of the physical propertics of shock-wave/boundary-layer
interactions in two- and three-dimensional flows. Due to
the lack of space, essential aspects of the phenomenon
have not been considered. For example, the behavior of
turbulence during an interaction process has not been
discussed at all. Thus, detailed experiments executed in
transonic and supersonic flows (Seegmiller et al. 1978;
Ardonceau et al.- 1980; Délery 1981, 1992; Johrson et al.
1981) have clearly shown that during the interaction pro-
cess, the intensity of turbulence rises sharply, the most
intense gradients existing at separation while a strong
anisotropy develops. Downstream of the interaction do-
main, turbulence slowly relaxes towards a new equilib-
rium state, the entire phenomenon being affected by im-
portant relaxation or history effects whose representa-
tion is a hard point for turbulence models.

Also, the unsteady aspects of shock-wave/boundary-
layer interaction have been ignored, although this im-
portant question is the subject of major investigations
(see Dolling 1993 for a recent review of the question).
A distinction must be made between large-scale fluctu-
ations affecting the whole flowfield like buffeting, and
small-scale fluctuations affecting only the interaction re-
gion. There is probably a close correlation between these
fluctuations and the fluctuating character of a turbu-
lent boundary layer. In this case, the interacting shock
“feels” a variable incoming flow and reacts accordingly.
Then several questions are raised: What is the interac-
tion between turbulence and induced shock oscillations?
Is it possible that such a mechanism operates a transfer
of energy from the outer flow to the turbulent field, thus
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enhancing considerably the turbulence levels? If this is
true, what is the validity of the classical models presently
used in interaction calculations and which do not incor-
porate such a mechanism? Elucidation of these questions
is a complex task, requiring sophisticated experimental
techniques and advanced modeling approaches.

3 SURVEY OF PROBLEMS RAISED BY IN-
TERACTION MODELING

3.1 General remarks

In spite of the spectacular progress made over the past 20
years, both by numerical methods and computer technol-
ogy, accurate prediction of shock-wave/boundary-layer
interactions remains a challenge for theoreticians. Here,
we shall only consider solutions obtained by solving the
Navier-Stokes equations, this approach being the most
credible to predict interactions in hypersonic flows. Fur-
thermore, the Navier-Stokes approach is certainly the
only way to predict three-dimensional flows, which is the
true target of theoretical methods, since two-dimensional
and/or axisymmetric configurations are very exceptional
in practice. There exist several levels of approximations
in the Navier-Stokes approach. With the Parabolized
Navier-Stokes equations (PNS) the solution can be ob-
tained by a simple forward-marching technique; in the
thin-layer approximation only the derivatives of the vis-
cous terms in the wall-normal direction are retained. The
PNS form is not suited to treat highly viscous flows in
which a recirculation region may form (except if some
kind of iterative procedure with successive sweepings of
the computational domain is introduced). On the other
hand, the thin-layer approximation becomes inaccurate
in hypersonic interactions where streamwise variations of
the flow properties can be as large as variations normal
to the wall.

From the numerical standpoint alone, interacting flows
contain regions of high gradients either of the wave type
(shocks, expansion waves) or of the boundary-layer type
(which includes shear layers) through which the flow
properties vary over an extremely short distance. This
problem is acute in hypersonic interactions where strong
shocks form, which may interfere with themselves to pro-
duce complex patterns and where the viscous effects are
confined within excessively thin layers. Thus, the nu-
merical schemes must be robust enough to withstand
these rapid flow variations while preserving good accu-
racy. Furthermore, these discontinuities or regions of
high gradients have extremely variable locations and di-
rections, difficult to know in advance, which makes their
correct capture delicate because of the difficulty to ade-
quately define the computational grid.

The advent of a new class of schemes, based on upwind
techniques, has in great part solved the problem of the
capture of strong discontinuities. Also, adaptive grids of-
fer the possibility to track the regions of high gradients
by properly adjusting the refinement of the grid. Never-
theless, application of most modern codes to strong in-
teractions leading to the formation of an extended sepa-
rated region may lead to discrepancies with experiments
whose origin is not yet entirely elucidated. In addition,

the correct prediction of quantities like skin friction or
wall heat transfer necessitates an accurate calculation of
derivatives, which imposes a strong demand on compu-
tational precision. ’

Thus, even in the case of a laminar flow of a calori-
cally perfect gas, accurate prediction of an interacting
flow still raises questions which have not yet been com-
pletely elucidated. In addition, consideration of real-gas
effects resulting from air dissociation complicates consid-
erably the solution of the laminar equations, especially if
nonequilibrium chemistry is taken into account. Then,
one is confronted both with new numerical difficulties,
coming from the “stiffness” of the dissociation equations,
and with the uncertain character of the available chem-
ical and physical models. These questions will not be
discussed here.

3.2 Modeling of Turbulent Interactions

The difficulty of computing shock-wave/boundary-layer
interactions in hypersonic flows increases by at least an
order of magnitude in turbulent applications, since the
problem of turbulence modeling is superposed on purely
numerical aspects.

In nearly all the present applications, the time-averaged
form of the full Navier-Stokes equations is solved. Very
frequently, the Favre averaging method, which defines
mass-weighted variables, is adopted since it leads to
equations formally simpler than those resulting from the
classical Reynolds averaging. This gain in simplicity is
obvious for the continuity and momentum equations; it
is less clear for the energy equation and has the disad-
vantage to introduce correlation terms which cannot be
directly measured. Nevertheless, Favre averaging tends
to be universally employed in the computation of com-
pressible turbulent flows.

This is not the place to present a thorough discussion
of turbulence modeling, which would necessitate impor-
tant developments, going far beyond the scope of this
report. We will simply cite the models most commonly
used in the computation of shock-wave/boundary-layer
interactions in supersonic and hypersonic flows (for a
more complete information on turbulence modeling in
compressible flows see Cousteix and Aupoix 1989; Van-
dromme 1993).

Application of the Favre averaging procedure to the mo-
mentum equation introduces the Reynolds-tensor com-
ponents of the form

In the above expressions, p is the mean density and v’ a
fluctuating velocity component in the sense of Favre and
u} the classical fluctuation, which differs from ;.

In a similar way, the averaging introduces correlations of
fluctuating quantities in the energy equation, the most




important being the turbulent heat transfer term (the
other terms are frequently neglected):
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In most turbulent shock-wave/boundary-layer interac-
tion calculations, the Reynolds-tensor components are
expressed via the Boussinesq assumption which leads to
the relation
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where p is the turbulent eddy viscosity and S;; the mean
rate-of-strain tensor:
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In addition, the turbulent heat transfer is expressed by
means of a Fourier-like law:
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where \; is the turbulent thermal conductivity and Pr;
is the turbulent Prandtl number:
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which is generally assumed constant. Thus, the only
problem is to model the eddy viscosity p:.

In many applications, because of their simplicity, alge-
braic turbulence models are still used. In this class of
models, p; is computed from the mean flow properties
by an algebraic relation. The most common among these
models are the mixing length model of Michel et al.
(1969), the two-layer model of Cebeci and Smith (1974)
and the Baldwin-Lomax model (1978), which is very
popular among numericists because it does not require
a localization of the boundary-layer outer edge. Many
variants of these models have been devised to improve
their accuracy in the prediction of separated flows. The
results obtained with classical algebraic models are gen-
erally in poor agreement with experiments, although the
overall flow features are faithfully predicted. This is
quite evident in two-dimensional interactions, while in
three-dimensional cases algebraic models may perform
as well as more sophisticated models. The main rea-
son for this bad performance is that these models are of
the equilibrium type, which means that the turbulence
is supposed to adjust itself instantaneously to changes
in the mean flow. Such an assumption is not justified
in strongly interacting flows where history effects are
known to be important. In order to take these effects
into account, ad-hoc modifications have been proposed
whose main deficiency was their lack of generality (Shang
and Hankey 1975; Deiwert 1975; Horstman 1976; Mateer
et al. 1976).

For example, many applications have been made by using
the Shang-Hankey relaxation formula in which the local
value of p is given by

w(@,y) = e (20,Y) + [Bte. (%, Y) = pito (T0, 9)]
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in which p:, is the value of y; at the interaction .origin
To, [it.,, the local equilibrium value given by the baseline
model (i.e., the Cebeci-Smith or Baldwin-Lomax model)
and A a relaxation length determined in a purely empir-
ical manner.

A more sophisticated algebraic model, including an his-
tory effect, was proposed by Johnson and King (1981)
with consideration of a transport equation. This model
seems more particularly suited to treat transonic inter-
actions.

A more satisfactory way to represent nonequilibrium ef-
fects is to determine p; by an expression of the form

pe=pCUL

in which C represents a dimensionless function, U a char-
acteristic turbulence velocity and L a turbulence length
scale. It is usual to adopt for U the value

U = Vk.

In a first approach, L is given by an algebraic relation
and the turbulent quantity k is computed by means of
a transport equation which is solved in tandem with the
Navier-Stokes equations. One-equation models of this
type have been proposed by Glushko (1965), Rubesin
(1976) and Goldberg-Chakravarthy (1990).

In a further step, the quantity L is also transported by an
appropriate equation. A very used version of the relation
giving p; is
k2

t =pCufu =
where € is the dissipation rate of the turbulence kinetic
energy (e o< k%/2), C,, a constant and £, a function intro-
duced to take into account the influence of the wall. The
dissipation € is computed by a second transport equation.
Among this category of two-equation models, the most
known is probably the Jones-Launder model (1972) for
which many variants have been proposed in order to im-
prove its accuracy in separated flows (Chien 1982; Chen
1986; Benay et al. 1987).

In the two-equation model of Wilcox and Rubesin (1980),
ft is given by the relation

ok

w

e =p7

where " is a dimensionless function and the transported
quantity w, the rate of dissipation of k per unit of k¥ (w =
€/k). In the model of Coakley (1983), u: is computed by

the relation .

p=p0uful

in which ¢ = V.

The above two-equation transport models (and their
variants) perform relatively well in the prediction of in-
teracting flows, provided that the Mach numbers are not
too high and the separated zone, if it exists, not too ex-
tended. They certainly represent an improvement com-
pared to the algebraic and one-equations models. Major
deficiencies appear in hypersonic flows, especially in the
prediction of the peak heat transfer at reattachment. An
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| Key | Meaning J
AM | algebraic (turbulence) model
BF | blunt fin

CF | corner flow
CFJ | cylinder-flare junction

NEE | nonequilibrium effects
PNS | parabolized Navier-Stokes
RF | ramp flow

SC | swept compression corner
SF | sharp fin
SR | shock reflection
TEM
TLNS
XS | crossing shocks

transport equation model
Navier-Stokes thin-layer approx.

Table 1: Abbreviations used in Tables 2-5.

examination of this question has been made by Horstman
(1987) who took the compressibility terms into consider-
ation (which are negligible at Mach numbers less than 6).
These terms need to be modeled by making more or less
justified assumptions (Rubesin and Rose 1973). Their
consideration led to rather disappointing results in the
prediction of the heat transfer levels at reattachment.
A thorough discussion of the modeling of compressibil-
ity effects in shock-wave/boundary-layer interactions has
been recently published by Douay (1994), who arrived at
similar conclusions.

The above models are still used to compute three-
dimensional interactions, with appropriate modifications
to take into account the existence of a third dimen-
sion. For example, the derivative 0i/8y of the two-
dimensional models is replaced by the modulus of the
vorticity vector. As we know, in the vicinity of the wall
the turbulence length scale is the distance to the wall
y, will leads to a delicate problem in a corner. In this
region, authors use appropriate expressions which can
be found in the cited publications (see for example the
expression given by Hung and MacCormack 1978).

3.3 Status of Modeling Activities and Require-
ments for Proper Validation

Tables 2-5 list the most representative calculations of su-
personic and hypersonic shock-wave/boundary-layer in-
teractions by solution of the Navier-Stokes equations (see
Table 1 for abbreviations). Transonic calculations have
not been considered as being too far from our subject.
The first applications dealt with laminar interactions in
two-dimensional supersonic flows (see Table 2) and used
explicit schemes, the most popular and widely used be-
ing the predictor-corrector scheme of MacCormack. Ex-
plicit methods have been used until a relatively recent
date, their main advantages being their conceptual sim-
plicity and good accuracy. However, with the need to
increase code efficiency, implicit techniques have been
progressively introduced. Also, the necessity to achieve
a better capture of discontinuities of the wave type led to
the development of upwind techniques calling upon the

concept of Riemann solvers. These new codes allowed
an efficient computation of hypersonic flows containing
strong shock waves.

It seems firmly established that computation of laminar
interactions at supersonic Mach numbers can be consid-
ered as having reached a high degree of accuracy, at least
in two-dimensional and/or axisymmetric flows. The an-
swer is less clear for three-dimensional interactions (see
Table 3) because of complex grid problems and the huge
number of grid points required to correctly represent all
the flow features.

In the case of hypersonic flows, even for two-dimensional
configurations, the accuracy and reliability of laminar
calculations is not yet unambiguously demonstrated as
it results from the thorough comparative study executed
at the occasion of the Antibes Workshops on Hypersonic
Flows for Re-entry Problems. The major discrepancies
between codes where observed in the prediction of the
extent of separated regions, as also of the heat-transfer
peak value at reattachment on the ramp. However,
definitive conclusions are difficult to draw for at least
two effects plaguing experimental data used to validate
the codes:

1. First, results obtained on nominally two-
dimensional configurations (ramp flow or impinging-
reflecting shock) are affected by unavoidable side
effects whose importance is nearly impossible to
assess (the use of side plates, or fences, cover-
ing the separated region is not a guarantee of
two-dimensionality). These unwanted large-scale
three-dimensional effects, which make impossible
any conclusion about the accuracy or inaccuracy of
codes, lead to endless discussion between theoreti-
cians and experimentalists. Thus, it is clear that
only arzisymmetric configurations must be used to
validate mathematically two-dimensional solutions.
The microscopic three-dimensional structures
mentioned in Section 2.1.5 are inherent to the basic
physics of flows and cannot be avoided. It is not
certain that their consideration is important in the
prediction of the macroscopic organization of the
flow.

2. Second, in many presumed laminar experiments,
where the flow separates, the regime is in fact transi-
tional, the separation process having a well-defined
laminar character while reattachment is influenced
by transition. In this case, the peak pressure and
heat transfer on the ramp are well above the truly
laminar values and the extent of the separated re-
gion is much affected by the transition. Transitional
interactions are difficult to avoid, because of the ex-
treme sensitivity of the separated shear-layer to in-
stabilities. Thus, with the additional concave curva-
ture effect at reattachment which tends to promote
transition (through a possible mechanism involving
the aforementioned Gértler vortices), the keeping of
a laminar regime throughout the interaction is diffi-
cult. This can only be done in experiments executed
at sufficiently low Reynolds numbers.

Because of their obvious practical interest, a great num-
ber of turbulent applications have been executed with a



Author Computed Cases Numerical Method Remarks
MacCormack (1971) SR at My =2 MacCormack explicit
RF at Mp =4
Carter (1972) CFJ at Mg =4 Brailovskaya explicit
RF at Mo =6
Hanin et at. (1974) SR at Mo =2 Brailovskaya explicit
Li (1974) Flare on blunt cone MacCormack explicit
MacCormack-Baldwin (1975) SR at Mp =2 MacCormack explicit
Hung & MacCormack (1976) RF at My =14.1 MacCormack explicit
Hussaini et at. (1976) SR at Mo =2 Lax-Wendroff explicit
Li (1977) SR at My =2 explicit-implicit
Hodge (1977) SR at Mo =7.94 & 7.73 | MacCormack explicit
Issa & Lockwood (1977) SR at Mo =74 steady iterative
Lawrence et at. (1986) RF at Mo = 14.1 forward marching PNS
Degrez et at. (1987) SR at Mp = 2.15 central difference
Ray et al. (1987) RF at Mp = 14.1 & 18.9 | MacCormack explicit
Liou (1987) SR at My =2 upwind
Thomas & Walters (1987) SR at My = 2 upwind
Hollanders & Marmignon (1989) RF at Mo =141 upwind
Rudy et al. (1989) RF at Mo = 14.1 several
Thareja et al. (1990) RF at Mo = 14.1 unstructured grid
Antibes Workshops RF at Mp =10 several
(1990,1991,1993) and 11.68
Simeonides et al. RF at My = 14.1 Runge-Kutta with
(1992) cent. and upwind
Grumet et al. (1991) SR at Mp =5 MacCormack explicit real gas
Ballaro & Anderson (1991) SR at Mo =5 & 12 MacCormack explicit real gas
Grasso & Leone RF at Mo =74, 11.7 Runge-Kutta with real gas

(1992) and 17.4 cent. differences
Joulot (1992) RF at My =10 & 11.7
CJF at My =10
Daghsstani (1993) SR at Mp =2 upwind true unsteady
Leyland (1993) RF at My =14.1 upwind

Table 2: Navier-Stokes calculations of two-dimensional laminar interactions.

2-37

large variety of turbulence models (see Tables 4 and 5).
The first calculations (except those of Wilcox) used sim-
ple algebraic equilibrium models, but it became rapidly
clear that some history effect should be included to rep-
resent the strongly out-of-equilibrium behavior of tur-
bulence during an interaction. Thus, modifications to
the baseline models were introduced either by modify-
ing the wall damping function (Horstman et al. 1975)
or by using a relaxation formula, as the one given in
the previous subsection (Shang and Hankey 1975). In
a further step, transport equation models were imple-
mented in which one and, then, two turbulent quanti-
ties were transported. This sophistication certainly im-
proved the quality of the prediction, although really sat-
isfactory agreement with experiment was still far from
being achieved. In 1978, Baldwin and Lomax proposed
their famous algebraic model in which the outer turbu-
lent length scale is no longer given by the thickness of
the boundary layer, but deduced from the distribution of
vorticity across the dissipative flow. Apart from its nu-

merical convenience, this model proved to be superior to
the other algebraic models in the prediction of separated
flows.

It is sometimes difficult to draw clear conclusions about
the accuracy of turbulent calculations because of the inti-
mate mixing of numerical and physical problems involved
in the codes. However, carefully executed calculations,
part of them with the boundary-layer approach which al-
lows great numerical accuracy (Benay 1991), show that
none of the above turbulence model gives satisfactory
results in strong interactions. In particular, the level of
peak heat transfer at reattachment in hypersonic inter-
actions is poorly predicted, even by two-equation mod-
els (Horstman 1987). Compressibility, as also unsteady
effects are suspected to be at the origin of these deficien-
cies, but the answer is not obvious, the poor results can
be in great part due to the inadequacy of the above mod-
els in the prediction of separated flows. Introduction of
higher-order models, in which the full Reynolds tensor
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Author Computed Cases l Turbulence Model Remarks
Wilcox (1973) SR at Mo = 2.96 Saffman TEM
Wilcox (1974) RF & SR at Mp = 2.96 Saffman TEM
Balwin-MacCormack SR Cebeci-Smith
(1974) Saffman-Wilcox
Horstmann et al. (1975) SR at Mo =6.9 Cebeci-Smith + NEE axisym.
Shang & Hankey RF at Mo = 2.96 Cebeci-Smith
(1975) Cebeci-Smith + NEE
Shang et al. SR at Mo = 2.96 Cebeci-Smith
(1976) Cebeci-Smith + NEE
Balwin-MacCormack (1976) SR at Mo =3 & 8.47 mod. Mellor-Gibson
Hung & MacCormack RF at Mo = 2.96 & 8.66 two-layer AM
(1977) two-layer AM + NEE
Viegas & Coakley Cebeci-Smith
(1977) several Shang-Hankey + NEE
Glushko-Rubesin
Horstmann et al. RF at Mo =2.85 two-layer AM
(1977) two-layer AM + NEE
(3 variants)
Viegas & Coakley two-layer AM
(1978) SR at Mo = 6.84 two-layer AM + NEE
Glushko-Rubesin
Viegas & Horstmann Cebeci-Smith
(1978) RF at My =28 Glushko-Rubesin
Jones-Launder
Wilcox-Rubesin
Baldwin & Lomax (1978) RF and SR Baldwin-Lomax TLNS
Degani & Stegar (1983) SR at Mp = 2.85 Baldwin-Lomax
Visbal & Knight Baldwin-Lomax
(1984) RF at Mp = 2.9 mod. Baldwin-Lomax
Baldwin-Lomax + NEE
Deese & Agarwall RF at My = 2.85 Baldwin-Lomax
(1985) mod. Baldwin-Lomax
Ong & Knight (1986) RF at Mo — 1.96 & 2.83 | Baldwin-Lomax + NEE
Peters et al. RF at Mo =29 Baldwin-Lomax TLNS
(1986) SR at Mo =2.9 Jones-Launder
Horstmann RF at Mp =9.22 Cebeci-Smith compr.
(1987) SR at Mp = 11.33 Baldwin-Lomax corrections
CFJ at Mo = 9.22 Jones-Launder
Wilcox RF at Mo =2.79 & 2.84 Wilcox [k, w]
(1990) CFJ at My =2.85 multiscale
Joulot CFJ at Mo =5 Baldwin-Lomax
(1992) Chien [k, €]
Simeonides et al. RF at Mo =14 Cebeci-Smith
(1992) transition model
Goldberg et al. RF at Mo =3 Baldwin-Barth
(1993) CFJat Mo=7
Haidinger-Friedrich RF at Mo = 2.85 Baldwin-Lomax compr.
(1993) SR at Mo =2.9 Wilcox [k, w] corrections

Table 3: Navier-Stokes calculations of two-dimensional turbulent interactions.




Author Computed Cases Numerical Method
Shang & Hankey (1977) SF at Mo = 12.5 MacCormack explicit
Hung & MacCormack (1976) | RF with side effects explicit-implicit
Degrez (1985) SF at My =2.25 | Beam-Warming implicit
Hung (1989) SF at Mo =2.25 MacCormack explicit
Chen & Hung (1992) BF at My =2 upwind

Table 4: Navier-Stokes calculations of three-dimensional laminar interactions.

Author ] Computed Cases Turbulence Model Remarks
Hung & MacCormack (1978) SF at Mo =5.9 Escudier AM
Shang et al. (1978) CF at Mo =3 Cebeci-Smith
Horstmann & Hung (1979) SFat Mp=2,3,&4 Escudier AM
Hung & Kordulla (1983) BF at My =2.95 Baldwin-Lomax

Knight (1984)

SF at Mo = 2.94

Baldwin-Lomax

Hung
(1985)

oblique SC on cyl.
BF at My =2.95

Hung & Buning (1985)

BF at Mo = 2.95

Baldwin-Lomax

Knight et al.
(1987)

SF at Mo =2.9

Baldwin-Lomax
Jones-Launder

McMaster & Shang (1988)

BF at Mo =2.95

Baldwin-Lomax

Gaitonde & Knight (1988) SF at Mo =3 Baldwin-Lomax bleed effect
Cambier et al. (1988) SF at My =3 Michel AM
Knight et al. Cebeci-Smith
(1988) SCat Mo =3 Baldwin-Lomax
Jones-Launder
Horstmann SF at Mp =4 Jones-Launder
(1989) Speziale TEM
Zang & Knight (1989) SC at Mp = 2.95 Baldwin-Lomax
Hung (1989) BF at Mo =5 Baldwin-Lomax

Gaitonde & Knight (1989)

SF & XS at Mo =2.95

Baldwin-Lomax

bleed effect

Lu et al. (1990)

- SC at My =2.95

Jones-Launder

Narayanswami et al.
(1991)

XS at Mo =2.95

Baldwin-Lomax
Jones-Launder

Reddy (1991)

XSat Mo=35&4

Baldwin-Lomax

Knight & Badekas (1991) SF at Mo =4 Baldwin-Lomax
Panaras (1992) SF at Mo = 2.95 Baldwin-Lomax
Chen & Hung (1992) BF at My =2.5 mod. Baldwin-Lomax
Leung & Squire SF at Mo = 2.45 Cebeci-Smith
(1993) Johnson-King
Narayanswani et al. XS at My =8.3 Baldwin-Lomax
(1993) Rodi [k, €]
Garrison et al. (1993) XSat Mg=4 Baldwin-Lomax

Table 5: Navier-Stokes calculations of three-dimensional turbulent interactions.
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is transported, could perhaps improve the situation. Up
to now, there is no demonstration of this fact in strongly
interacting flows, to our knowledge.

As shown in Table 5, a large number of turbulent three-
dimensional calculations have already been executed be-
cause of the great practical importance of this case (a
more comprehensive list can be found in a recent review
by Knight 1993). Very complex configurations, such as
the crossing of two shocks interacting with a side plate,
can now be treated with results in fair agreement with
experiment. Of course, as for two-dimensional flows, the
details of the flow, the turbulence levels, the heat trans-
fer rates at the wall are still poorly predicted. However,
one should not be unduly negative or pessimistic, when
considering the spectacular progress made in interact-
ing flow prediction over the past 20 years. It should be
realized that the perception and understanding of three-
dimensional flows is an extremely difficult operation. In
this perspective, even if the results have still a limited ac-
curacy, the theoretical models constitute a very powerful
substitute to experimental investigations which would be
complex, lengthy, when not impossible.

4 DEFINITION OF THE SELECTED TEST
CASES

4.1 General Information

4.1.1 Test Geometries and Boundary Conditions
Common feature of the various test geometries is the
existence of a shock-wave/boundary-layer interaction in
the vicinity of intersection of a flat plate (or a cylin-
der) with a surface that provides compression (a fin, or
a swept ramp, or a flare). Usually the compression sur-
face is attached to the flat plate (or cylinder) far from
its leading edge, to avoid interaction of its shock wave
with the leading-edge shock. Also, care is taken so that
the vertical extent of the fins or the lateral extent of the
compression corners is much greater than the size of the
interaction domain. These rules simplify the computa-
tions, because

1. It is not necessary to start the calculation from
the leading edge of the flat plate or the flare. In-
stead, the calculation may start a few boundary-
layer thicknesses upstream of the interaction. Then
the required grid points are considerably reduced.
However, in this case for starting the calculation it
is necessary to know the boundary-layer profile up-
stream of the interaction region. This profile is used
as a boundary condition in the inflow plane, as well
as initial condition of the flowfield. Furthermore,
the thickness of the undisturbed boundary layer is
the length scale of the interaction.

2. The gradients of the flow parameters are set equal to
zero in the farfield (upper and lateral boundaries).
These boundary conditions implicitly mean that the
fins or the compression corners have unlimited di-
mensions. It is evident that by this selection the
number of required grid ‘points is reduced and the

calculations are considerably simplified. If alterna-
tively, the compression surface is assumed to have
finite dimensions, the calculations will be compli-
cated. For example in the case of the fin/plate con-
figuration, the whole fin has to be included within
the computational domain (like a wing attached on
a plate). Then apart from the considerable increase
of the grid points, more complicated grid genera-
tors must be used, while the square edges on the fin
would probably create numerical problems.

In conclusion, it seems that if the confinement of the
computation domain in the immediate interaction region
is possible, less computer resources and simpler compu-
tational tools will be required for the computation of the
flow about the selected configurations. However for the
application of this option some data are required and
some conditions have to be satisfied. The knowledge of
the profile of the boundary layer upstream of the inter-
action, or at least of its thickness, is a prerequisite for
such an option. Still some test cases, especially in the
hypersonic regime, do not include this critical informa-
tion. Thus, someone who is interested to validate his
code at higher speeds, will have to calculate initially the
development of the boundary layer along the flat plate
(or the cylinder), from its leading edge to the vicinity of
the compression corner. Fortunately a two-dimensional
boundary layer solver is sufficient for such a task (inde-
pendent calculation, not a part of the computation of
the interaction domain).

In order to provide reliable test cases to validate com-
putational methods, the subgroup on viscous interac-
tions has selected a set of experiments by considering
axisymmetric and fully three-dimensional interactions,
two-dimensional ramp flows having been excluded for the
reasons given in the previous section. These experiments
cover a Mach number range from 2 to 8 and include lam-
inar and turbulent cases, transitional interactions having
been rejected. The selected experiments have been exe-
cuted with great care and can be considered as safe for
validation purposes.

The matrix in Figure 47 gives the selected configurations.
Only simple geometrical shapes have been considered in
order to focus the validation task on basic problems (cap-
ture of strong shocks and thin shear layers, modeling of
turbulence in strong interaction regions and in the vicin-
ity of a corner).

4.1.2 Measured Flow Parameters

It is well known that in any flow it is easier to calcu-
late pressure distributions than the skin friction or heat-
transfer rates. Factors that affect the output of the cal-
culations in this sense are the numerical dissipation of
the numerical scheme, the turbulence model and the fine-
ness of the grid close to the wall.

This general rule was confirmed by Knight (1993) for the
particular case of the shock-wave/boundary-layer inter-
action. In his review Knight examines all the config-
urations which are object of the present report. It is
remarkable to note that according to his data, in a flow
about the fin/plate configuration, use of two turbulence
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AGARD FDP WG 18 Subgroup 1: Viscous Interactions
Shock Wave / Boundary Layer Interaction Test Matrix

Test _
Geometry
==
Country Cylinder Flare Single Fin Swept Corner Crossing Shocks
4 g p
NASAM=3&T NASA M= 8 Princeton M = 4 NASA M =8
Turbulent Turbulent Turbulent Turbulent
PennState M = 3 & 4 PennState M =3 & 4
Turbulent Turbulent
USA
Princeton M = 3 Princeton M =3
Turbulent Turbulent
U. of Texas M = &
Turbulent
DLRM=5&7 DLRM=5&7
Germany Turbulent Turbulent
ONERA M =35 CEATM =2 ONERA M = 10
Turbulent Turbulent Laminar
France
ONERA M = 10
Laminar

Figure 47: Test case matrix.
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Figure 48: NASA ogive-cylinder flare model. M =3 and M = 7 turbulent experiments.

models (Baldwin-Lomax and Jones-Launder) that pro-
vide eddy viscosities which differ by as much as a fac-
tor of 14 resulted in similar flowfield predictions. Knight
has concluded that in the shock-wave/boundary-layer in-
teraction there is a triple-deck structure. The viscous
effects are restricted on a thin layer adjacent to solid
boundaries, while the remainder of the boundary layer
is effectively rotatienal and inviscid (see Section 2.1.2
above).

In view of the aforementioned comments it seems that
those test cases will be more appropriate for the valida-
tion of a code which in the measured quantities include

skin-friction distributions and, more important, surface
heat-transfer rates. Furthermore, more reliable will be
those test cases which in the test conditions include the
surface temperature. That because the wall temperature
is a necessary boundary condition for the calculation of
the heat transfer rates, while for an adiabatic flow it is
sufficient to assume zero value for the gradient of the
temperature normal to the wall.

Regarding the physics of the flow, it has been mentioned
in the first part of this section that the most critical issue
for the fin or double-fin configuration, as well as for the
swept corner is the conical nature of the flow. Particu-
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larly for the fin/plate configuration the secondary sepa-
ration is another important issue, still not clearly under-
stood. For the investigation of the conical nature of the
flow, the surface parameters (pressure, oil-flow lines) are
not adequate but flowfield data are necessary. Further-
more, non-intrusive measurements of flowfield quantities
are more accurate, than those obtained with Pitot tubes,
while more than two cuts of the flow are necessary for
the confirmation of the quasi-conical nature of the flow.
At this point we mention that according to the calcu-
lations of Panaras (1992) the deviations from the coni-
cal behavior are not detected if the two cuts which are
compared are closer than 154. Remarkable differences
appear for a distance greater than 258 (see Figure 32b
of Section 2.2.2).

The data relative to the selected test cases include mean
surface flow quantities (pressure, heat transfer, in some
cases skin friction) and flowfield properties (mainly Pitot
pressure, mean velocity and turbulence by LDVin a lim-
ited number of cases). In some experiments, wall pres-
sure fAuctuations were measured. Surface flow visual-
izations, giving precious indications on the skin-friction
line pattern are available for nearly all the selected ex-
periments.

The following subsections give the information required
to calculate each test case (for experiments not executed
at the date of the preparation of this report, some in-
dications can be missing). In most turbulent cases, the
parameters of the incoming boundary layer, at a sta-
tion just upstream of the interaction, are given. From
these parameters, an analytical definition of the velocity
profile can be determined (in some cases, this profile is
available in the data). If this is not the case, the loca-
tion of transition is indicated to allow a calculation of
the boundary layer on the upstream part of the plate.

To insure consistency of the data, the unit Reynolds
number has been computed from the freestream Mach
number and stagnation conditions given in the test cases
definition, by assuming a constant ratio of specific heats
(y = 1.4), the molecular viscosity being computed by
Sutherland’s formula.

The system of coordinates used to represent the data is
indicated in the figures defining the configuration. As
a general rule, X is the streamwise distance, Y the
distance normal to the wall and Z the transverse dis-
tance. In three-dimensional experiments, X and Z are
contained in the flat plate bearing the fin(s) or ramp.

After the description of each case, references are given
in which complementary information and results can be
found.

A majority of the test cases given here come from a data
bank on hypersonic interactions constituted by G. Set-
tles and L. Dodson, from Penn State University. Com-
plementary information on these cases can be found in
the following documents:

Settles, G.S. and Dodson, L.J. 1991 Hypersonic
shock/boundary-layer interaction data base. NASA
CR-177577.

Settles, G.S. and Dodson, L.J. Interaction data base:

new and corrected data. NASA Contractor Report
(to be published).

Because of space limitation, the data are not given in the
present report. Contributors to the modeling activity
can obtain them upon request to:

J. Délery

ONERA - Aerodynamics Department
29 Avenue de la Division Leclerc
92320 CHATILLON - France

The requested data will be transmitted on diskettes or
in tabulated form.

4.2 Axisymmetric Configurations

4.2.1 NASA Ogive-Cylinder Flare M =3 and M =17
Turbulent Ezperiments

General Testing Conditions. The model used for these
experiments is shown in Figure 48. It is made of a long
sting-supported cylinder having a diameter of 50.8 mm
and aligned with the tunnel axis. The cusped nose at
the upstream end of the cylinder was especially designed
to minimize the strength of shock waves produced here.
Flare of different angle a can be mounted on the cylinder.

The cylinder-flare junction lies at ~ 1000 mm down-
stream from the tip of the ogival nose for the Mach 3
experiment and 1390 mm for the Mach 7 experiment.
Other experiments at Mach 3 were also executed with
the flare axis inclined to the cylinder axis to obtain three-
dimensional interactions. Here, only the axisymmetric
case is considered (flare axis aligned with the cylinder
axis). For the Mach 7 case, the range of tested flare
angles spans conditions from fully unseparated to well-
separated flow.

e Freestream flow Mach number: Mo = 2.85
e Flare angle: a = 30°
e Freestream stagnation pressure: ps;, = 1.7 X 10° Pa
o Freestream stagnation temperature: Ts¢, = 265 K
o Wall temperature: T, = 300 K
o Unit Reynolds number: R, = 1.6 X 10" m™?
¢ Incoming boundary-layer parameters:
— Physical thickness: §p = 11 mm

— Skin-friction coefficient: Cy, = 0.00175

Due to the length of the cylinder, the regime is fully tur-
bulent upstream of the interaction region. The incoming
boundary layer velocity profile is provided with the data:

Freestream flow Mach number: Mo = 7.05

o Flare angles: a = 20°, 30°, 32.5° and 35°

Freestream static pressure: po = 576 Pa

e Freestream static temperature: To = 81.2 K




e Wall temperature: T,, = 311 K
e Unit Reynolds number: Ry = 5.66 x 10° m™!
¢ Incoming boundary-layer parameters:

— Physical thickness: do = 25 mm

— Displacement thickness: g = 7.4 mimn
— Momentum thickness: 6o = 0.65 mm

— Skin-friction coefficient: Cy, = 0.00122
— Heat transfer coefficient: S;, = 0.00059

Available Data

e Surface pressure distributions: p.(X)
o Surface heat transfer distributions: h.(X)

o Flowfield surveys by pressure probes: pe(X,Y)
(Mach 3 & 7 experiments)

e Mean velocity and turbulence profiles from LDV
surveys (Mach 3 experiment)

References
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mentation of two- and three-dimensional separated
turbulent boundary layers. NASA TM-101008.

Kussoy, M.I. and Horstman, C.C. 1989 Documentation
of two- and three-dimensional hypersonic shock-
wave/turbulent boundary-layer interaction flows.
NASA TM-101075.

4.2.2 ONERA Hollow-Cylinder Flare M =5
Turbulent Ezperiment

General Testing Conditions. This experiment was per-
formed in the R2Ch wind tunnel of the Chalais-Meudon
Establishment. As shown in Figure 49, the model con-
sists of a hollow cylinder with an external diameter of
131 mm and an internal diameter of 106 mm. The lead-
ing edge is sharp with an angle of 10°. A 35° flare is
mounted 250 mm aft of the cylinder leading edge. The
total length of the model is 300 mm.

o Freestream Mach number: Mo = 5.01

o Flare angle: a = 35°

o Freestream stagnation pressure: ps¢, = 3.5 X 10° Pa
o Freestream stagnation temperature: Ts, = 500 K
e Wall Temperature: T3, = 300 K

o Freestream unit Reynolds number: R, = 4.41 x
10" m™?

o Incoming boundary layer parameters. The Reynolds
number was sufficiently high to insure a fully turbu-
lent boundary layer well upstream of the cylinder-
flare junction. The end of transition took place
~ 125 mm downstream of the cylinder leading edge.

2-43

250 50

10°

@ = 35°

!
|
|
]
!
|
,il-:_’-
|
|
|

dimensions in mm

Figure 49: ONERA hollow-cylinder flare model. M =5
turbulent experiment.

The incoming boundary layer has been probed with a
two component LDV system at a station located 200 mm
downstream of the cylinder leading edge. The measure-
ments were not fine enough to allow the calculation of the
displacement and momentum thicknesses. The bound-
ary layer physical thickness at this location was 2.5 mm.

Available Data

o Surface pressure distribution: p., (X)
o Surface heat transfer distribution: hy (X)

o Surface flow visualization (skin-friction line pattern)

References
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4.2.8 ONERA Hollow-Cylinder-Flare M = 10
Laminar Ezperiment

General Testing Conditions. This experiment was exe-
cuted in the R5Ch Hypersonic wind tunnel. Asshown in
Figure 50, the model consists of a hollow cylinder with
an external diameter of 65 mm and an internal diameter
of 45 mm. The leading edge is sharp with an angle of
15°. A 30° flare is located 101.7 mm downstream of the
cylinder leading edge. The flare is followed by a cylin-
drical part having a diameter of 115 mm and a length of
25 mm.

o Freestream Mach number: M, = 9.90

Flare angle: o = 30°
¢ Freestream stagnation pressure: psi, = 2.5 X 10° Pa

o Freestream stagnation temperature: T, = 1050 K

Wall temperature: T, = 290 K

e Unit Reynolds number: R, = 1.86 x 10° m~!
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Figure 50: ONERA hollow-cylinder flare model. M = 10
laminar experiment.

Available Data

e Surface pressure distribution: p.,(X)
o Surface heat-transfer distribution: hy (X)
e Surface flow visualization (skin-friction line pattern)

o Flowfield visualization by the electron beam tech-
nique

4.3 Single Sharp Fin Configurations
4.3.1 NASA M =8 Turbulent Ezperiment

General Testing Conditions. This experiment was exe-
cuted in the NASA-Ames 3.5-foot hypersonic wind tun-
nel. The sharp fin, with unswept leading edge, was
mounted perpendicular to a flat plate having a length
of 2200 mm and a span of 760 mm, the fin leading edge
being 1760 mm aft of the plate leading edge (see Fig-
ure 51). Natural transition occurred on this plate for all
test conditions. While no turbulence data are available
to establish the condition of the incoming boundary layer
ahead of the interaction, a mean profile included in the
data set shows typical law-of-the-wall and wake behav-
ior, albeit with a lower wake strength parameter than
usual. Tests were performed for several values of the fin
yaw angle.

This fin interaction involves a relatively thick incoming
boundary layer. The reason for this is the long flat-plate
run required to naturally establish a turbulent bound-
ary layer at Mach 8. Thus, the present fin is only 83
long, the net effect being that the present interaction lies
entirely within its turbulent boundary layer.

e Freestream Mach number: Mo = 8.18

¢ Fin angles of incidence: o = 5°, 7.5°, 10°, 12.5° and
15°

o Freestream static pressure: po = 430 Pa

o Freestream static temperature: To = 81 K

dimcnsions in mm

Figure 51: NASA single sharp fin model. M = 8 turbu-
lent experiment.

o Wall temperature: Ty, = 300 K
e Unit Reynolds number: R, =4.92 x 10 m™!
e Incoming boundary-layer parameters:

— Physical thickness: §p = 37 mm

— Displacement thickness: §; = 15.9 mm
— Momentum thickness: 6y = 0.94 mm

— Skin-friction coefficient: Cy, = 0.000988
— Heat-transfer coefficient: Sy, = 0.000538

Available Data

o Surface pressure distribution: p. (X, Z)
o Surface heat-transfer distribution: h. (X, Z)
e Skin friction coefficient: C¢(X, Z)

o Flowfield Pitot surveys: p¢(X,Y)

References
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4.8.2 Penn State University M =3 and M =4
Turbulent Ezperiments

General Testing Conditions. The tested geometry con-
sists of a sharp, unswept leading edge, fin mounted at
angle of incidence o to the freestream, with its leading
edge 216 mm downstream from the leading edge of a
flat plate upon which a turbulent boundary layer was
generated.

o Freestream Mach number: My = 3.03

e Fin angles of attack: « = 10° and 16°




o Freestream stagnation pressure: ps;, = 8.27 X

10° Pa
e TFreestream stagnation temperature: Ty, = 2904 K

e Wall temperature: roughly adiabatic (Tw/T: =
1.06)

e Unit Reynolds number: R, = 6.19 x 10" m™*
e Incoming boundary-layer parameters:

~ Physical thickness: o = 3.02 mm

— Displacement thickness: d5 = 0.895 mm

— Momentum thickness: o = 0.184 mm
— Skin-friction coefficient: Cy, = 0.00152

o Freestream Mach number: My = 3.98
o Fin angles of attack: a = 16° and 20°

o Freestream stagnation pressure: ps;,, = 15.24 X
10° Pa

o Freestream stagnation temperature: Tst, = 293 K

e Wall temperature: roughly adiabatic (Tw/T. =
1.06)

e Unit Reynolds number: R, = 7.20 x 107 m~!
e Incoming boundary-layer parameters:

— Physical thickness: §p = 2.87 mm

— Displacement thickness: §g = 0.950 mm
— Momentum thickness: 6o = 0.128 mm
— Skin-friction coefficient: Cy, = 0.001325

Available Data

o Surface pressure distributions: p. (3)
o Skin friction distributions: Cf(0)

o Surface streamline angle distributions: ¢(3)

The above quantities are given as functions of the con-
ical ray angle 3 (measured from the fin leading edge,
with respect to the freestream direction). The surface
streamline angle ¢ represents the local angle of surface
flow pattern streamlines, measured with respect to the
freestream direction.

References
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4.8.8 Princeton University M = 3 Turbulent
Ezxperiment

General Testing Conditions. The model is constituted
by a sharp fin, with unswept leading edge, mounted
perpendicular to the tunnel wall in a region where the
incoming supersonic flow is uniform and the boundary
layer turbulent.

o Freestream Mach number: My = 2.93
e Fin angle of incidence: o = 20°

o Freestream stagnation pressure: pst, = 6.90 X

10° Pa
e Freestream stagnation temperature: Ty, = 270 K
o Wall temperature: T, = 270 K
e Unit Reynolds number: R, =6.2 x 108 m™!
¢ Incoming boundary-layer parameters:

— Physical thickness: dp ~ 13 mm
— Displacement thickness: J; = 3.9 mm

— Momentum thickness: 6o = 0.72 mm

Available Data

e Surface pressure distributions: p., (X, Z)
e Pitot pressure profiles: p:(Y, Z)

e Yaw angle profiles: 8(Y, Z). (8 is the velocity direc-
tion with respect to the local velocity at the bound-
ary layer outer edge.)

e Wall pressure fluctuations

The surface pressures were measured along row of orifices
aligned with the freestream (X)) direction.

The flow has been probed with a computer-controlled
nulling yaw probe (“cobra probe”). This probe mea-
sured Pitot pressure and yaw angle along survey lines
in the Y-direction; i.e., normal to the tunnel wall which
supported the model. The yaw angles thus measured
lie in the horizontal (X, Z) plane. The survey locations
were chosen to provide detailed information within the
separated region produced by this relatively strong swept
shock-wave/boundary-layer interaction.
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Bogdonoff, S.M. and Shapey, B.L. 1987 Three-
dimensional shock-wave/turbulent boundary-layer
interaction for a 20° sharp fin at Mach ’. AJAA

Paper 86-0554.

4.3.4 University of Tezas M =5 Turbulent
Ezperiment

General Testing Conditions. In this experiment the fin,
with unswept leading edge, was mounted perpendicular
to a flat plate, the incoming boundary layer being tur-
bulent.

e Freestream Mach number: Mo = 4.9

e Fin angles of incidence: o = 6°, 8°, 10°, 12°, 14°
and 16°

o Freestream stagnation pressure: pst, = 27 X 10° Pa
o Freestream stagnation temperature: Ty, = 422 K
o Wall temperature: Ty = 300 K (T /T = 0.8)

e Unit Reynolds number: R, = 4.67 x 10" m™?

o Incoming boundary-layer parameters. The incom-
ing boundary layer, probed with a Pitot tube just
ahead of the fin leading edge, had a physical thick-
ness do = 7.9 mm. Its profile is provided with the
data. :

Available Data

o Surface pressure distributions: pw(XZ)
e Surface heat-transfer distributions: hy (X, Z)

e Surface flow visualizations (skin-friction line pat-
tern)

e Wall pressure fluctuations

The surface heat transfer and surface pressure data were
measured on the test plate along spanwise rows. Addi-
tional heat transfer data were taken along conical rays
from the virtual origin for fin angles of incidence 8° and
15°. Three different rotatable instrumentation “plugs”
were used to make the present measurements. By rotat-
ing this plug, the pressure tap rows could be reoriented
to better approximate conical cross planes.
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Figure 52: DLR single sharp fin model. M = 5 and
M = 6.83 turbulent experiments.

4.8.5 DLR M =5 and M =7 Turbulent Ezperiments

General Testing Conditions. The model is made of a fin
mounted on a flat plate having a sharp leading edge (see
Figure 52). The total length of the plate is 500 mm, its
width being equal to 400 mm. Three fin angles will be
tested.

e Freestream flow Mach number: Mo =5

¢ Fin angles: o = 6°, 10° and 16°

o Freestream stagnation pressure: pss, = 3.2 x 10° Pa
o Freestream stagnation temperature: Ty, = 420 K
e Wall temperature: T3, = 290 K

o Unit Reynolds number: R, = 5.34 x 10" m™!

o Freestream flow Mach number: My = 6.83
o Fin angles: a = 6°, 10° and 16°

Freestream stagnation pressure: pst, = 32 x 10° Pa

Freestream stagnation temperature: Ts;, = 600 K

e Unit Reynolds number: R, = 1.48 x 10" m™?
e Wall temperature: T, = 290 K

¢ Incoming boundary-layer parameters. These pa-
rameters are not yet known. It is believed that at
least at Mach 5 the Reynolds number is sufficiently
high to provide a natural turbulent boundary layer
at the interaction region. This fact has to be checked
for Mach 6.83, otherwise the boundary layer will be
tripped artificially.



Available Data

e Surface pressure distributions: p, (X, Z)

¢ Surface flow visualization (skin-friction line pattern)

4.3.6 CEAT/Poitiers M = 2 Turbulent Ezperiment

General Testing Conditions. In these experiments the
fin, with unswept leading edge, was mounted perpendic-
ular to the tunnel wall in a region where the incoming
flow is uniform and the boundary layer turbulent. The
fin spanned the full height of the tunnel (150 mm) and its
edge was located 670 mm downstream of the nozzle exit.
A better spatial resolution was obtained by moving the
fin while keeping the measurement locations fixed with
respect to the tunnel.

e Freestream Mach number: Mo = 2
¢ Fin angles of incidence:

- a = 6° 7° 8° 9° 10° 11°, 12° and 13° for
surface flow visualizations

— a = 12° and 13° for mean wall-pressure mea-
surements

— a = 12° for wall pressure-fluctuation measure-
ments

o Freestream stagnation pressure: psio = 6 x 10° Pa
o Frecstream stagnation temperature: Tisio = 265 K
e Wall temperature: Ty = 260 K

e Unit Reynolds number: f2, = 8.76 x 10" m™*

¢ Incoming boundary-layer parameters:

— Physical thickness: dp = 14.6 mm

— Displacement thickness: d5 = 3.29

— Momentum thickness: 6o = 1.08

~ Skin-friction coefficient: Cj, = 0.0012

Available Data

o Surface pressure distribution: p (X, Z)

e Surface flow visualizations (skin-friction line pat-
tern)

e Wall pressure fluctuations
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Figure 53: Princeton University swept-ramp model.
M = 3 turbulent experiment. .

Alziary de Roquefort, T. and Daghsstani, K. 1993
Experimental study of unsteadiness in sharp fin-
induced turbulent boundary-layer/shock-wave inter-
action. 2nd French-Russian Workshop on Ezperi-
mentation, Modelization and Computation, INRIA,
Sophia Antipolis. To appear John Wiley & Sons.

4.4 Swept Compression Corner

4.4.1 Princeton University M = 3 Turbulent
Ezperiment

General Testing Conditions. As shown in Figure 53,
the tested configuration consisted of a swept compres-
sion corner mounted on the floor of the wind tunnel.
The corner was swept back 40° from the normal to the
freestream direction and had a streamwise compression
angle of 24°.

o Ireestream Mach number: My = 2.95

o Freestream stagnation pressure:
10° Pa

Dsty = 6.90 x

¢ Ireestream stagnation temperature: Ty, = 270 K
o Wall temperature: Ty, ~ 270 K

Unit Reynolds number: R, = 6.17 x 107 m™!

¢ Incoming boundary-layer parameters:

— Physical thickness: do = 15.4 mm

— Displacement thickness: §; = 4.08 mm
— Momentum thickness: 8o = 0.807 mm
~ Skin-friction coefficient: Cj, =0.00116

Available Data

e Surface pressure distributions: p,, (X, Z)
e Pitot pressure profiles: p:(Y, Z)

* Yaw angle profiles: B(Y, Z) (8 is the velocity direc-
tion with respect to the local velocity at the bound-
ary layer outer edge.)
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e Wall pressure fluctuations

The surface pressure data were taken along 4 streamwise
cuts located at different distances from the apex of the
swept corner. Cobra probe data were taken at 14 stations
in a vertical (X,Y) plane located 88.9 mm spanwise from

the apex of the swept corner.

References

24, No. 5, pp. 744-752.

ATAA Paper 88-0310.

100 mm downstream of the plate leading edge.

o Freestream Mach number: Mp = 9.95

Wall temperature: Ty, ~ 300 K

Available Data

e Surface pressure distributions: pw (X, Z)

e Surface flow visualizations (skin-friction line pat-

tern)

Settles, G.S., Horstman, C.C. and McKenzie, T.M. 1984
Flowfield scaling of a swept compression corner in-
teraction. A comparison of experiment and compu-
tation. AJAA Paper 84-0096. Also AIAA J., Vol.

Knight, D.D., Horstman, C C., Bogdonoff, S.M,, Raufer,
D. and Ketchum, A. 1988 Supersonic turbulent flow
past a swept compression corner at Mach 3. Part I

4.4.2 ONERA M =10 Laminar Ezperiment

General Testing Conditions. This experiment was exe-
cuted in the R3Ch hypersonic wind tunnel. As shown in
Figure 54, the model was made of a three-dimensional
obstacle mounted on a flat plate with sharp leading edge
placed at zero incidence in a uniform flow. The plate had
a total length of 300 m and a span of 200 mm, the leading
edge angle being equal to 15°. The obstacle is a double
wedge body whose apex is displaced towards one side of
the flat plate to allow a larger spanwise extent of the
interaction under study. It was verified that there is no
mutual influence of the flows on each side of the apex for
the tested configuration. Thus, the vertical streamwise
plane containing the obstacle apex can be considered as
a symmetry plane. The apex of the obstacle is located

The obstacle corner line is swept back 60° from the nor-
mal to the freestream direction and has a compression
angle, in a plane normal to the corner line, equal to 30°.

o Freestream stagnation pressure: pse, = 125X 10° Pa

Freestream stagnation temperature: Tss, = 1050 K

e Unit Reynolds number: R, = 9.18 x 10® m™!

o Surface heat-transfer distributions: hy(X, Z)

The surface pressure was measured along 3 lines (des-
ignated 2, 4 and 6 in Figure 54) normal to the plate
leading edge and extending over the obstacle. The sur-
face heat transfer was measured along the 6 lines 2 to 7
(measurements were also made along line 1 to check flow
symmetry).
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4.5 Crossing Shocks
4.5.1 NASA M =8 Turbulent Ezperiment

General Testing Conditions. This experiment was exe-
cuted in the NASA-Ames 3.5-foot hypersonic wind tun-
nel using a flat-plate model with a length of 2200 mm.
Natural transition occurred for all test conditions. While
no turbulence data are available to establish the condi-
tion of the incoming boundary layer ahead of the inter-
action, a mean profile included in the data set shows
typical law-of-the-wall and wake behavior, albeit with a
lower wake-strength parameter than usual.

As shown in Figure 55, opposing pairs of fins, each hav-
ing either 10° or 15° angles of incidence were mounted
on the flat plate.

e Freestream Mach number: Mo = 8.28

o Fin angles of incidence: o = 10° and 15°

Freestream static pressure: po = 430 Pa
o Freestream static temperature: To = 80 K

Wall temperature: T, = 300 K

Unit Reynolds number: R, = 4.99 x 10 m™!

e Incoming boundary-layer parameters:

— Physical thickness: do = 32.5 mm

— Displacement thickness: §; = 12.6 mm
— Momentum thickness: o = 0.83 mm

— Skin-friction coefficient: Cy, = 0.000998
— Heat-transfer coefficient: S;, = 0.000568
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Figure 54: ONERA swept compression corner model. M = 10 laminar experiment.

Available Data

e Surface pressure distributions: p. (X, Z)
¢ Surface heat-transfer distributions: hy (X, Z)

¢ Flowfield Pitot profiles: p,(X,Y, Z)
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4.5.2 Penn State University M =3 and M =4
Turbulent Ezperiments

General Testing Conditions. The tested configuration
was a double-fin geometry mounted on a flat plate. All
tested geometries were symmetrical, several values of the
fin angle having been tested. The fin leading edges were
located 213 mm downstream of the flat-plate leading
edge, the width between them being equal to 94 mm.
The fin height was equal to 82.5 mm.

e Freestream Mach number: My = 3

e Fin angles: o =7°, 9°, 11° and 13°

o Freestream stagnation pressure: ps;, = 8.50 x
10° Pa

Freestream stagnation temperature: Ty, = 295 K

Wall temperature: roughly adiabatic (Ti,/T, =
1.06)

Unit Reynolds number: R, = 6.47 x 107 m~!
Incoming boundary-layer parameters:

— Physical thickness: §p = 3.02 mm

— Displacement thickness: 65 = 0.895 mm
— Momentum thickness: 6y = 0.184 mm
— Skin-friction coefficient: Cy, = 0.00152

Freestream Mach number: My = 4

Fin angles of incidence: a = 16° and 20°
Freestream stagnation pressure: Dste = 15 x 10° Pa
Freestream stagnation temperature: Tsty =295 K

Wall temperature: roughly adiabatic (T,,/T, =
1.06)

Unit Reynolds number: R, = 6.94 x 107 m~!

Incoming boundary-layer parameters (at 178 mm
from flat plate leading edge):

— Physical thickness: 6o = 2.87 mm

— Displacement thickness: § = 0.950 mm

— Momentum thickness: §p = 0.128 mm

— Skin-friction coefficient: Cy, = 0.001325
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Figure 55: NASA crossing shock model. M = 8 turbulent experiment.

Available Data

o Surface pressure distributions: pw (X, Z)
o Skin-friction distributions: Cf(X, Z)
o Surface flow visualization (skin-friction line pattern)

e Flowfield Pitot profiles: p:(X, Z,Y)

The surface pressures were measured only on the center
line of the symmetric interactions studied. Skin-friction
data were measured both on the center line and on cer-
tain spanwise “cuts” located at specific streamwise loca-
tions. Only one Pitot profile was obtained.
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{.5.3 Princeton University M = 3 Turbulent
Ezperiment

General Testing Conditions. The model was made of

two sharp fins mounted symmetrically between two
sharp flat plates, 610 mm long, installed approximately
51 mm off the floor and ceiling of the test section (see
Figure 56). The sharp leading edges of the fins were
located 25.4 mm off each side wall and 194 mm down-
stream from the plate leading edges (the geometry is
symmetrical both in a vertical and horizontal plane).

e Freestream Mach number: Mo = 2.95
o Fin angles: a = 7°, 9° and 11°

o Freestream stagnation pressure: ps¢, = 6.90 X
10° Pa
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Figure 56: Princeton University M = 3 turbulent experiment.

o Freestream stagnation temperature: T, = 265 K
o Wall temperature: Ty, = 270 K
e Unit Reynolds number: R, = 6.35 x 10" m™!

e Incoming boundary-layer parameters. The bound-
ary layer is turbulent with transition occurring close
to the leading edge of all surfaces. Its profile satisfies
the law-of-the-wall and wake and has a thickness o
of about 4 mm at the leading edge of the fins.

Available Data

o Surface pressure distributions: p, (X, Z)
e Surface flow visualization (surface flow pattern).

o Wall pressure fluctuations

The high-resolution surface pressure field extended 65
incoming boundary-layer thicknesses downstream from
the fins apex and spanned most of the interaction re-
gion. By using moving plates of closely spaced orifices, a
total field of about 3000 static pressure points could be
obtained for any flow configuration.
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4.5.4 DLR/Géttingen M =5 and M =7 Turbulent
Ezperiments

General Testing Conditions. The model is made of two
fins mounted symmetrically on a flat plate having a sharp
leading edge (see Figure 57). The total length of the
plate is 500 mm; its width is 400 mm. Three fin angles
will be tested.

o Freestream flow Mach number: My =5

¢ Fin angles: o = 6°, 10° and 16°

o Freestream stagnation pressure: ps:, = 3.2 x 10% Pa
. F‘reestfeam stagnation temperature: Ts;, = 420 K
o Wall temperature: Ty = 290 K

o Unit Reynolds number: R, = 5.34 x 107" m™!

o Freestream flow Mach number: My = 6.83

e Fin angles: a = 6°, 10° and 16°

. Freestream stagnation pressure: ps¢, = 32 x 10° Pa
o Freestream stagnation temperature: Ty, = 600 K
e Unit .Reynolds number: R, = 1.48 x 107 m™*

o Wall temperature: T}, =~ 290 K

e Incoming boundary-layer parameters: These pa-
rameters are not yet known. It is believed that at
least at Mo = 5 the Reynolds number is sufficiently
high to provide a natural turbulent boundary layer
at the interaction region. This fact has to be checked
for My = 6.83, otherwise the boundary layer will be
tripped artificially.
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Figure 57: DLR crossing shock model.

Available Data

e Surface pressure distributions: p. (X, Z)

o Surface flow visualization (skin-friction line pattern)

5 CONCLUDING REMARKS AND RECOM-
MENDATIONS

5.1 Viscous Interaction Phenomena are Impor-
tant

Because of the presence of intense shock waves, hyper-
sonic flows are the seat of strong shock-wave/boundary-
layer interactions which nearly always have detrimental
effects. For instance, when the shock induced by a con-
trol surface is strong enough to separate the boundary
layer, there is a loss of aerodynamic efficiency with, in
addition, high heat transfer rates in the region where
the separated shear layer impinges the control surface
at reattachment. Similarly, in air intakes, interactions
of the compression shocks with the wall boundary lay-
ers can induce massive separation provoking a dramatic
fall of pressure recovery. Furthermore, turbulent inter-
actions are affected by fluctuations which are most often
amplified if separation occurs. Then, the whole flowfield
may oscillate, inducing intense variable loads on the ve-
hicle surface or air-intake buzz. In some circumstances,
the interaction process leads to the formation of complex
shock patterns, giving rise to interferences which may
generate destructive local heating on a nearby surface.

Thus, there is a pressing need of methods allowing a re-
liable and accurate prediction of shock-wave/boundary-
layer interaction in high-Mach-number flows, the devel-

dimensions in mm

M =5 and M =7 turbulent experiments.

opment of such methods requiring that a certain number
of conditions be fulfilled.

5.2 The Extent of our Knowledge and Capabil-
ities

5.2.1 The physics of the flow

A sound physical understanding of interacting flows is
a prerequisite to the development of theoretical models.
The influence of the main parameters affecting the phe-
nomenon, the scaling factors, and also the detailed flow
structure, must be clearly elucidated. Because of their
simpler nature and of the vast amount of published ex-
perimental results, two-dimensional (planar and/or ax-
isymmetric) interactions can be considered as well under-
stood. Thus, the factors acting on the upstream prop-
agation mechanism, the conditions for incipient shock-
induced separation, have been safely identified, and the
overall flow structure associated with two-dimensional
interactions has been well established. Many results on
surface heat transfer in hypersonic interactions as also on
the influence of the wall temperature are at our disposal.

The physical understanding of three-dimensional inter-
actions is a far more difficult task because of the con-
ceptual difficulty to grasp three-dimensional fields and
of the large variety of situations which can be met in
this case.. In this task, numerical simulations, even if
they are not always accurate, are of great help to under-
stand the structure of the flow, especially when a com-
plex shock pattern forms in the outer inviscid stream.
Until recently, the most studied configurations were the
single sharp fin, the swept wedge and the blunt fin at
zero incidence. These cases constitute the basic three-
dimensional interactions, to which many variants are



possible. More recently, the double-fin configuration
inducing two crossing shocks has raised much interest
because of its obvious relation with hypersonic air in-
takes. Also, the corner flow produced by two intersect-
ing wedges is of great interest, although relatively few
results have been published for this case.

Substantial information on the basic configurations is
now available, so that the physics of these flows can be
considered as fairly well understood, although some be-
havior is still unclear and subject to controversy (conical
properties, multiple separation, etc.).

5.2.2 The predictive capabilities

Due to the progress made by computer technology and
numerical methods, it is now possible to compute com-
plex flows containing intense shock waves and large sepa-
rated regions. Spectacular results have been obtained in
the calculation of three-dimensional configurations (cor-
ner flows, crossing shocks, blunt obstacles), the essential
flow features being faithfully predicted, even for the tur-
bulent regime. The first equilibrium algebraic models, in
which turbulence is assumed to adjust itself instantly to
changes in the mean flow, are now replaced by nonequi-
librium models using transport equations to represent
the specific behavior of turbulence. Many variants of
these models have been proposed to improve their accu-
racy in the near wall region or in separated zones.

Thus, if one observes the evolution of our knowledge of
interacting flows over the past forty years, the present
situation can be considered as satisfactory and our pre-
dictive capabilities spectacular. However, a more criti-
cal evaluation of the situation shows that many points
remain obscure and insufficiently investigated. Further-
more, theoretical models still give a too coarse and un-
certain prediction to allow their routine use in design
applications.

5.3 The Limits of our Knowledge and Capabil-
ities
5.3.1 The physics of the flow
As far as the physics of shock-wave/boundary-layer in-

teractions are concerned, the following points would
merit a special attention in the coming years:

1. The unsteady character of interacting flows seems to
"be a key factor in the process. In spite of a rather
broad information on the subject, there is not yet a
clear philosophy about this fact: what is the trigger-
ing mechanism of the fluctuations? Is it the turbu-
lence of the incoming boundary layer? Does a well-
defined demarcation exist between high-frequency
fluctuations, which could be induced by the incom-
ing boundary-layer turbulence, and low-frequency
fluctuations resulting from a coupling between the
outer flow and a separated region, like in buffeting?
What is the interaction between real turbulence and
large-scale fluctuations, involving oscillations of the
shock system attached to the interaction? This last
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point could be a critical issue for turbulence model-
ing in interacting flows. The above questions remain
unanswered.

2. Except in transonic or moderately supersonic flows,
results on turbulence in shock-wave/boundary-layer
interactions are nearly nonexistent. The probing
of high-Mach-number flows, even with advanced
optical techniques like Laser Doppler Velocimetry
or Laser Induced Fluorescence, is a difficult task,
which explains the scarcity of results. Significant
advances in turbulence modeling will necessitate re-
liable and detailed results on the evolution of turbu-
lence properties, at least the Reynolds-tensor com-
ponents, through an interaction. It is unwise to try
to devise sophisticated models by basing their justi-
fication and validation on surface pressure and heat
transfer distributions only.

3. Experimental information on the incidence of real-
gas effects on shock-wave/boundary-layer interac-
tion is completely lacking. It can be anticipated
(according to computations) that these effects are
important, but we have no measurements to sub-
stantiate this opinion. Such experiments are diffi-
cult to execute since they require expensive high-
enthalpy facilities in which the incoming flow prop-
erties are frequently not well understood. However,
if this point has to be clarified, these experiments
are indispensable.

4. At high altitude, rarefaction effects certainly play a
large role in interacting flows. This point has also
to be elucidated and, for this purpose, experiments
in low density wind tunnels are desirable.

5.3.2 The predictive capabilities

On the theoretical side, progress has still to be made to
arrive at a satisfactory situation. The numerical accu-
racy of the existing codes is not always firmly assessed
in hypersonic interactions. Indeed, these flows contain
intense shock waves, in some cases centered expansion
waves, as also boundary layers and shear layers across
which the flow properties undergo rapid variations. An
accurate capture of these discontinuities and zones of
large gradients raises difficulties which are considerably
amplified in three-dimensional flows. However, the most
critical issue is the modeling of turbulence, most of the
presently used models giving poor prediction of surface
heat transfer distributions, especially when the flow is
separated. In three-dimensional interactions, even if the
overall flowfield structure is well reproduced, many of
the details of the flow are missed by the computation
and its surface properties are often badly predicted.

The cause of these deficiencies is not clear. Part of the
discrepancies is due to a lack of numerical accuracy, as
it is the case in three-dimensional applications where a
huge number of mesh points is required to capture the
finest flow features. Disagreement with experiment is
frequently attributed to compressibility effects whose in-
fluence becomes noticeable above Mach 6. However, the
various attempts to introduce these effects in turbulence
models have led to disappointing results. Here also the
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situation is not clear, the compressibility terms being
added to a baseline model which is probably not suited
for the computation of interacting flows, even at low
Mach numbers. Some investigators attribute the fail-
ure of the models to the aforementioned unsteady effects
which are not accounted for and which may be of prime
importance as a source of intense turbulence production.
This conclusion is not free of critics, the failure of the
models being observed in the calculation of subsonic sep-
arated flows. Thus, the real cause of discrepancies can be
in the chosen baseline models which may be inadequate
to compute such complex flows.

5.4 The Subgroup Contribution

With the aim of establishing the state of the art in matter
of shock-wave/boundary-layer prediction and to bring el-
ements to improve the present situation, the Subgroup 1
on “Viscous Interactions” has collected a limited num-
ber of well-documented experiments which can be safely
used to validate computational methods. The proposed
test cases have been selected according to the following
criteria:

1. Reject planar two-dimensional geometries which are
nearly always affected by side effects.

2. Avoid too complex cases leading to still insurmount-
able modeling problems, like transitional interac-
tions, or to great experimental difficulties rendering
the results (if they exist) inaccurate, like real-gas
effects.

3. Cover a Mach number range extending from 2 to
hypersonic values.

4. Consider fully laminar cases in order to assess the
numerical accuracy of the codes.

5. Consider a limited number of axisymmetric con-
figurations for which high grid refinement can be
achieved without requiring large computer memory
and costly computing time.

6. Put emphasis on three-dimensional configurations
which are of greater practical interest than axisym-
metric cases.

7. Select three-dimensional configurations of increas-
ing difficulty.

Thus, 15 basic test cases (giving in fact 20 cases, some
configurations having been tested for several values of
the Mach number) have been collected, for which the
initial and boundary conditions are well identified and
reliable results available.

5.5 Recommendation for Future Actions

The above validation action constitute a first step in the
elucidation of viscous interactions at hypersonic Mach
numbers. At the issue of this step, some clear conclu-
sions should be drawn about the accuracy of the present
numerical methods and turbulence models in relatively

simple situations. Thus, to make real progress in the pre-
diction of interacting flows, a continuation of the action
is necessary along the following lines:

1. The numerical accuracy of the codes should be more
completely assessed in three-dimensional flows. For
this purpose, other experiments involving fully lam-
inar interactions should be executed on geometries
more complex that those tested to this date.

2. The data bank should be extended by incorporating
other three-dimensional configurations which are of
great practical interest, like the corner flow and
the blunt fin. This would necessitate execution of
new experiments to complete the existing results on
these flows.

3. A special effort must be made to improve turbulence
modeling in shock-separated flows and to elucidate
the aforementioned problems. This will require ex-
ecution of detailed experiments, including turbu-
lence measurements with the simultaneous charac-
terization of the unsteady effects. In a first step,
it is not necessary to consider high-Mach-number
flows in which these measurements are difficult to
perform. An upper limit of 4 would be adequate.
Furthermore, for modest Mach numbers, compress-
ibility effects are negligible thus, by working below
Mach 4, one will avoid the mixing of complex phe-
nomena. The question of compressibility has first
to be examined on simpler situations, free of a wall
influence (shear layers, jets, wakes).

4. Although they have been excluded from the present
data bank, as being too difficult to compute, tran-
sitional interactions are of great practical interest.
For this reason, they justify more complete and
in depth investigations than those already made.
In particular, the mechanism of transition in high
Mach number interactions should be elucidated in
conjunction with theoretical studies.

5. Real-gas effects have multiple incidences on a shock-
wave/boundary-layer interaction since they affect
both the outer inviscid-flow structure and the trans-
port properties (viscosity, thermal conductivity) of
the viscous regions. In addition, it is clear that
wall catalicity dramatically affects the surface heat
transfer. These effects are predicted by computa-
tions, but experiments to validate the results are
still lacking. To obtain good test cases, it is not nec-
essary to achieve very high Mach numbers. Thus,
experiments in a shock tube could provide results
on simple configurations at low cost, with well iden-
tified flow conditions.

6. Rarefaction effects should also be investigated in ad-
equate facilities to provide good test cases.

The main task of a future Working Group will be to
clearly identify the above problems, to recommend the
execution of specific experiments to fill gaps in existing
data, and to collect the results in order to promote an
extended modeling action.
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1 INTRODUCTION

It is now taken for granted that long-term future
requirements for transporting cargo and people into low-
earth orbit will be satisfied by the development of
single-stage to orbit, or multiple-stage to orbit space
planes i.e. the so-called trans-atmospheric class of
vehicle. The combination of heat-transfer and propulsion
requirements at low Reynolds numbers brings laminar-

turbulent transition to the forefront of poorly understood
physical problems.

The Orbiter is an example of a first generation "space
plane". However, although it has the external appearance
of a conventional aircraft it is, in fact, more closely
related to the vehicles developed for the Mercury, Gemini
and Apollo space programs than those proposed in recent
space-plane studies e.g. Sidnger, NASP or Hotol. The
Orbiter, the Russian Buran and the European Hermes are
classic examples of the "boost-glide" concept conceived
in the late 1950's-(Anderson 1989). In such a case, the
ascent, or boost phase is accomplished by use of a
conventional multi-staged rocket. This provides the
vehicle with a relatively benign aerodynamic
environment since, at low altitudes, the speeds achieved
are low, with the rapid acceleration to those speeds
necessary for orbit occurring at very high-altitude. It
follows that the aerodynamic loads and the aerodynamic
heating are modest. This, in turn, means that the total
heat soak during ascent is low. This is a feature which is
particularly important since, once in orbit, it is difficult
to get rid of heat stored in the vehicle structure. For the
initial stages of the descent, or glide phase, the vehicle
adopts a very-high-drag configuration, i.e. an angle of
attack about 40°. During descent there are two critically
important points which are associated with the heating
loads. The first is the maximum laminar heating
condition which occurs at high altitude (= 70 km) and
high speed (= Mach 20). The second is the maximum
turbulent heating condition which occurs at a much lower
speed (= Mach 10) and altitude (= 45 km), but at a much
greater Reynolds number, and follows transition in the
vehicle boundary layer. This turbulent peak can be very
large and may exceed the levels experienced at the
laminar peak. In this context, it is interesting to note
that, in the case of the Orbiter, the two peaks are
approximately equal in magnitude. In order to minimize
the heating peaks the vehicle is kept in the high-drag
configuration until the turbulent peak has been passed.
When the heating rates have reduced to an acceptably low
level, the vehicle is placed in a high lift-to-drag (low «)
configuration in order to enable maneuverability, high
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cross-range capability, and landings on conventional
runways. For the Orbiter the "efficient" glide phase takes
place at Mach numbers below 10, i.e. the high lift-to-
drag configuration is limited to low altitudes and
relatively low Mach numbers. One of the most important
consequences of this was that the very sketchy
understanding of boundary-layer transition available to
the designers in the early 1970's was sufficient to limit
the uncertainties associated with key parameters to be
reduced to a level where a safe vehicle could be built.
Nevertheless, it is important to note that much potential
payload capacity was sacrificed to provide acceptable
safety margins (Kipp and Masek 1986). Consequently,
the Orbiter is, in all probability far from optimum, even
for the boost-glide class of vehicles.

The trans-atmospheric vehicles differ from the boost-
glide variety in that during the early stages of the ascent
the vertical rocket boost phase is replaced by an
aerodynamic lifting phase using airbreathing propulsion
with rocket power being used only in the later high-
altitude, high-Mach-number stages. In the case of a
rocket ascent, most of the fuel is consumed at low
altitude whilst the vehicle is flying through an oxygen-
rich atmosphere. By using airbreathing engines at these
lower altitudes and generating large amounts of
aerodynamic lift, a very large improvement in efficiency
can be achieved. However, there are difficulties associated
with this strategy. In order to achieve the high levels of
lift-to-drag, the vehicle must have a large wing operating
at low angles of attack (< 5°). Moreover, for low drag,
the leading edge must be highly swept (to reduce the
normal-to-leading-edge Mach number) and the leading-
edge radius must be small (typically 3% of the chord or
less). This combination has very important implications.
In the first instance, the small leading-edge radius
produces a very-large heating rate irrespective of the
state of the flow. This leads to a heating problem at high
supersonic and low hypersonic Mach numbers which are
being achieved at relatively low altitude. The problem is
compounded by the fact that an aerodynamic lifting
ascent is relatively slow - typically taking 90 minutes as
opposed to the 10 minutes required for the pure rocket.
As a consequence of this, the total amount of heat
soaking into the structure is very high com