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Preface $ 

Fatigue is an important consideration in structural design and monitoring of continued airworthiness of military aircraft. During 
a previous AGARD Meeting, held in Bath in 1991, a need was identified to review the efficacies of the several methods that are 
used for assessment of fatigue damage and crack growth in airframe components by comparing their predictions against full- 
scale test and service experiences, to thereby categorize the degree of conservatism inherent in each method. The latter 
consideration is essential to sound management of fatigue consumption. Towards that end. the Structures and Materials Panel 
(SMP) within AGARD organized a Workshop in the Fall of 1993. titled "An Assessment of Fatigue Damage and Crack Growth 
Pr»diction Techniques". 

The Workshop provided a forum for an in-depth discussion of the correlation between in-service experience and results from 
analytical predictive models, specimen level tests, component tests and full-scale tests. Additionally, the Workshop made 
possible an examination of the operating standards that different countries adopt with respect to various elements in the design 
profess such as load spectrum, exceedance diagram, algorithm for calculating fatigue damage, and in-service monitoring 
protocol — all contributing to refinement of the requirements of an aircraft monitoring system. 

Preface 

La fatigue est une consideration importante pour la conception structurale et le suivi permanent de I aptitude au vol des aeronels 
militaires. Lors dune reunion de I AGARD ä Bath en 1991. le Panel AGARD SMP a identifie le besom de rcvoir refficacite des 
differentes methodes utilisees pour revaluation de lendommagement en fatigue et la propagation des fissures dans les elements 
de cellule, en comparant les previsions obtenues par ces methodes aux resultats des essais en \raie grandeur el aux donnees 
d'exploitation. afin de categoriser le degre conservatoire propre a chaque mcthode. ( ette derniere consideration est essentielle 
pour la bonne gestion de lendurance en fatigue Dans cette optique. le Panel AGARD des structures et matcrimix (SMP) a 
organise un atelier sur revaluation de lendommagement en fatigu■- et les techniques de prediction de la propagation des 
fissures" en automne 1993. 

l.'atelier a servi de forum pour des discussions approfondies de la correlation qui existe entre le fonctionnement en sen ice et les 
resultats obtenus des modeles predictifs analytiques. des essais sur echantillon, des essais de composunts et des essais en vraie 
grandeur. F.n outre. I'atclier a permis I etude des normes d'exploitation adoptees par les differcnts pays en ce qui concerne les 
divers elements du processus de conception tels que le spectre de charge, le schema d'excedent. I'algonthme de calcu) de 
lendommagement en fatigue et le protocole de contröle en service — autant d'aspects qui concoureni a IViptrmisation de la 
specification d'un Systeme de contröle d'aeronef. 

Dr S.d. Sampath 
Sub-Committee Chairman 

* 
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~r<·l~l " ''ll'l'<Hh·d by lull 'calc• latigu,· 1 :'till)'. to sc\,•r;d 
!lktlllh'\. ,\ '''l'<llld fati~uc tL'\t pf the .JAS J<i i•, planllL'd lo at 
lc.\\1 f1111: liktlllles, 

. \ i'' '''<'111;11 inn ""' rna de bv Dr J.W. l.i lll'Pin. on ht'lwl f of M r 
I II. I 'ndu:ur 1'1 ·11. frnmi.<H.:kht•t•d AeronautiL':il Svsll'llh. on a 
ll:lc'lurc• hn,t•d 1i'k as.wssmc111 of lhc ('-I.JI lra;"PMI wl11g 
;nml a1 \\'S .J11.~. Thi' win!'Joinl .\ufft•rt•d bolh mulli·ckment 
and multl·,i!L' fatigliL' danra~c. ThL· aircraft wa., designed to 
I'~'"' it!,· .<11.1100 !light hour' ami thL' force is currt•ntly averag· 
111)! .1-l.nOII hnur,. Dr Lincoln t•xplailled thai it is IH•t 
rncnr~c·,·ivablc- Ill expccl this aircraft to provide rL'Iiahlc ser· 
1 '"'' 1\CIIInlo thL' ~I 't century and statc~d that the currt•nt tools 
ot 'lructur:!l illlalv,i., must go heyo11d the 'P<'Cifics of strcn)!th, 
dur.ll'rilrv .1nd !'ra,·turc mechanics i11to the rt·alm of 1tatistics 
.1n.! rril.lhrll!v rtw :te'l'eptahle single lli~ht risk after structural 
m,·mber Lul11rc·. "' adnptt•d hy the· L.'S:\F Scit'lltitic t\dvi1ory 
ll<>.lrd 1'>.·\lll ior thi' e'\aluation, '""I 0 X 10 .. '. Dr Lincoln 
'"''ntr••ncd th:tl tht• mt:~t·t 'tru,·tural ri'k 'hnuld he 110 greater 
: 11.,1 I " ·• II\ Th,· ri'k ""l'"ln<'rlt pro\ idcd valuable input 
111111lht· dev!'·dnn f'rn~,.'t''' hlr imph:mc.·tHin~ al'tinn' in a timely 
n'.lllf't'f !It f'i• 11l'CI lht' \Oikt~- of\hL' fon:t.•. 

I h~._· .h ... L',,nH:Ilt pf an In· \l'r\ icl' mollitPr!ll~ rroct""i~ to main­

' !lll 'T'"iil.!:!.':tl !ntl'~nt~ \'-a' dl''l'rihnJ by \!r R.J. Cazt.', of 
: l:l._,,ndt· '' • tt1nn. l"ht.· prnc..·t:,, U\t'' a ll''t-c:.tlibratcd ;\finer\ 
.·!ln•.:l.lfl'.c· ·'·'~''"~'· l.t\\ (~liner\ rl'l:ttf\l' 1:1\\1 to e'tahlish 
~ ~ .h ~ Hl:tl.l!lll!l !"''· '''-t'd h\ d~tr11:1~c.· tllkrttrll'C C\ :duation. The 
.:rtr·r~··'· h '' ,opp~·nt..·d !'' tn-t1q.!ht mtc.:~'.r:ltt.•d cakulatiorl\ 
~, 'n -•dt:r 1~1~ 1, '•h. I ·o.~~nal prL'ci,lon. diminatinn of lnw ampli· 
'•·-~~ \ .an.tt,Pn' .1nd ~..:~ck t'"untmg ml'lhoth. t ',t.." ''made of 
.,h-,,1, ,1\,td.li'k I kc·tnl' Fi11:ht (·.,,mol Sl,tcm' (I'FCS) tn 

, ... ,ltrl r:.:.d r• 1f\."t'' nn tht· alh.'r.th 111 u,c.·. I h1' on-hoard moni­
···~··!,: r:·\l.tlc.J ~h.t! :hl· \t,r:t!-!c..' ~fHHI .urcratt wa" hcin~ used 
..... ~~· "'- \1...It:h ~~~-Hl (·pn~o.1dcrcJ dunn~ de'i!!n. Tht: •\tructurc 
h :-.;,.._._a ,.,,,h,~,.·qucnrh ,frt·n~rht.•ncd in ,un.:raft in l'Urrl·nl pro-

; !;c t''k , ·• :.tfl~Ul" .tn~'""' for thl• dt·,r~n '•f military aircraft 
'" }'. tft.: .. ~ nh\:d ~~\ I )r J{ ~~ lt.'hrn~trHl In,, r·•rcr h\ him,clf and 
\.tr f > \\'t·! ... i!\."! 

1'1.:r ~>f Dcut,-.·he A-.·ru,p<..~u: \fihtary Aircraft 

·fl.\"\: [l, ltn.:hrn:mn ,t,tled that. de, pitt' rnanv re,erva­
t:.4\~ ... "-''t''H'''(.·d 1n nurncrou•. puhli<:ari,ln'. the ~1incr\ 
,,.,r;~.,,"~ d.lm,,~,- ruk I' 'ttllu,t•d :tt D:\SA and widclv Ult'd 

.nl "'"I"' ·~~u· '' · "' 'lmpk and tllll\cr\ill applrl':tbility. S.tudi~, 
r.n, ,, ,c,tkd :h '' rh,· cauw ,.f l.tti)1Ut' craclo.' dcll'lopcd dur· 
"'~ f"!!l.hlt> !tJIJ·\t',tk f:Hii:UC fl'\tin~ l<Crc due I<> tht: lack of 
i..,·.;r,J.(\ Hl "lrt:·'"' .trMh''' It \\a' \'ftn{.·ludl~d lhat a chan~t· in 
k"'~n ph ln'df'h\ !rnm "~1ft· lite.··· In ··danw~c tol~rancc .. 
·' .. ,t,l n. ·t ;,,,,, .• wtomatlctlh· lmpr"vt·d ctficicnn· of the anal­

"" r '' H .... nm.tnn tndocllcd that rt ''doubtful d \lirwr\ rule 
''" ~,t. 1 l't"'LK~o:d b\ mort.· '('rhl\tll.:atcd nlt:thod' fnr ,afc life 
~t ~ 1 . ..-n 

~l.~r".1C•.: t·•lt•ran,·e rnaa~t~t·ntc:nt tlt tht• X-~~' \t"rttcal tailm the 
;·h. •('fh ... t ... , ,.._.,c:r~: hutfct ln .. "11.h "a' d~..·,cnhc.·d h~ ~h J f Luter 
·•! o;,,· t '>·\~ hn !lr iKn:l~r;tti<m fc,t:f, pf flO (j, ;tt If• IJ1 
"'' rt.: t:t~·nen"·~d dunn~ anltt4•1 tli~ht te,ttn~ of tht• atrcraft. 

\!!h.to.;a;:h ihe J1rcr.1ft "'"''not tnHtalh dt.''l!!ncd accordm~ tn 

-'-'"'·'~'· '"kr;m,:c pnnC!plc,. it "'"' P'"''hle to appl\ the'.: 
:•nrK'J'k' !•• mdn.t~l.' the \Oikt\ nf the• :urcraft thr .. ugh ,·om· 
r·k '1"!1 ••l !ht· '1~cht IC\t prnj!r:tm. ·\ l'fac~ Cflll<th prediCtion 
;-,"!d • \H .tl >< ,JH lt "a' dt:\'clopnl and rhree·dtmt•nsional 
~ r "'· ~ lH ''"' th ;•n.JI~'·' (lerfnrmed •tt (' t.·ntll~ti ln<.:attnn ncar the 
~ .... ·t 11f the ~\fl t··~·r"'t>en 01!lht day' The mmimum cral·k ~rowth 
!!ft .. · :tt *!.'nth .,f huffc-r l."\t:Oh \\a' dc.:tc.·rnHrh.~d trom a fUll X 

11 PJ 1n~,. h r"rner ( •• tt.l ... tr the.~ <.·ruKal hole l"tmt:'" huffct and 

tlw nurnht•r of buffer ~VL'nl.~ were monitored and allow~d ~arc 
mrnplcTtion of the lli!!hl test program. 

t\ comparison of LIS and UK approadrcs lo fatigue clcamncc 
nfthc Harrier II airnafl was prcsl!nted hy Mr F.S.I'erryofrhe 
Military 1\irt'rtlft Division nf British Acro~pace Defence l.ld, 
The UK requirements for fatigue clcarant·e include analysis 
using the nominal strcs.s Miner\ cumulative damage rule 
logcth~r wilh an S·N equation for holted joints derived all he 
Royal Aeronautical Estahlishmerli (RAE) hy R.ll. Jlcywood. 
The US method used hy McDonnell Aircraft Company 
(MCAIR) is based on a 'tress concentration facrorldesign 
limit stress (KtDL'i) approach. Thi.s method i• based on lora! 
'train analysis using NeuhL•r\ rule. The two methods arc dif· 
fercnt in that the nominal stress approach cunnot account for 
notch residual stresses whereas the KtDL<; approach 
accounts for this. However. the paper debates l<hcthcr this is 
important. In fact the results from a comparison lead to a con· 
elusion that there is little to choose he tween the two method,, 

A paper. entitled "Fatigue Desi/!n. Te't and In-Service Expcr· 
ience of the BAe llawk hy Mr J. O'llara of Briti'h Aerospace 
Defence l.ld. wus pre,ented hy .'->1r Alan llumhle l\ho 
dl',crihed dc,ign of tht• llawk to AP 1170 safe life require· 
ments for a liOOO hour life with sc:~tter fnctor of 5. A full-scale 
fatigue test has been used to ll'ad the fleet. Incidents arisin!! on 
the test arc handled hy several approaches including S·N and 
fracture rn•:chanic' analyses 1\ith modifications and tor rou· 
tine inspections. Althouf!h fatigue analyse\ arc bawd on the 
~liner\ rule approach. the key to good fatigue (damage toler· 
ant) design is the choice of marerials possl•ssing good 
rc1istance to crack growth. 

Rcd~ction of fatigue load e.xpcricnce as part of the fatigue 
management program for F-16 aircraft of the RNL.AF wa\ 
pre~entt•d hy Mr D.J. Spickhout nf NLR. The load' monih>r· 
ir!g program for thi' aircraft use' an electronic dcvit:e capahle 
of analyzin!! a calihrated 'train !!age on one of the major carry· 
through hulkheads oft he fuselage. This is done on a sample of 
the fleet and. hy using a large centrali1cd data h~"" system, 
individual airplane tracking is performed. The fatigue damage 
per flight i~ calculated in term' of crack growth through the 
usc of a "Crack Severity Index" (CSI) using a crack closure 
model. The RNI.AF F-llis arc llown more severely than other 
llccl• of F·l6s and attempts arc made to rcduc~ crack growth 
damage through reductions in sire's per G hy take off store 
configuration manipulation. Thus. reductions in fatigue load 
experience are achieved on individual aircraft. 

An overview of the F-16 service life approach hy Mr J.W. 
Morrow of Lockheed Ft Worth was presented hy Dr J.W. Lin· 
coin. The F·lli was the first aircraft designed to th<l-l.JSAF 
fracture requirements from i•s inception to an soon hour life 
with a factor of two. The safe life approach, ahandoned in the 
early 70s, did not account for initial !laws and had shown poor 
correlation hetwccn test and service. The presentation 
('overed all aspects of the structural integrity program with an 
introduction tn the F· !(,airframe, design/prediction appro­
aches, test policy compari,ons, fracture control plan, force 
management approach and a considcrahk list of lessons 
learned from whid1 'uhsequcnt programs have !Wined consid· 
crahle hcnefit. 

In reviewing the IIJ excellent papers presented during the 
Workshop and listening to subsequent discussions, it hecame 
ahundantlv clear that. even after 150 years of fatigue analysis 
methodology development, the hope for a universal approach 
to future fatigue life prediction is not in sight in the foresee· 
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able future. Many slill feel comfortable with the Miner's 
cumulative damage rule approach, perhaps on account of us 
simplicity, even though it has been demonstrated to be uncon- 
servative in its predictions, in some cases by an order of 

magnitude. This fact surprises Dr Schütz and me but is ada 
mantly defended by current users. Other researchers, 
recognizing that toial fatigue life is a crack propagation pro- 
cess from the first load application, are plowing new ground 

by developing total fatigue life crack growth models that 
include cracks initiating from microstructural inclusions. 
Such models appear to offer a prediction capability within a 
factor of 2. It was noted during discussion that the damage tol- 

erance philosophy is used world wide for commercial 
transport certification and for aircraft designed for the US 
Air Force. It was generally thought that the safe life approach 
was confined to military aircraft designed in Europe. This of 

course is not the case in Sweden nor is it the case in the 
Netherlands for life management of military aircraft. How- 
ever. Miner's rule analysis appeared to be generally favored by 
military aircraft desiiwrs in other countries in Europe. 

Significantly though, considerable effort appears to be 

exerted in these countries and others to make sure material 
selection provides for slow crack growth and high residual 
strength, a property characteristic of damage tolerant struc- 

tures. The need for paying attention to geometric details, 
manufacturing quality and tull-scale fatigue testing — ingre- 
dients of giKid fatigue quality — is also a common refrain 
among all groups. This has not always been the case in the 

past. As mentioned earlier the crack closure concept appears 

to be emerging as the most popular for variable amplitude 
crack growth predictions to support the rapidly growing 
damage tolerance philosophy. Still, 1 have confidence in some 

of the simpler models such as the Generalized Willenhorg 
model. As a member of the Certification Service for the FAA 
one thing is clear, clarified even further by Workshop 2. irre- 
spective of the fatigue method used whether safe li'e. or 

damage tolerance, whether Miner's rule or KtDLS. whether 
crack closure or Generalized Willenhorg model, all fatigue 
analysis methodology used to certify an aircraft type must be 
validated by test. 

Another personal observation: as we look al recent develop- 
ments in static and rotating engine components, rotorcraft 
dynamic components, new commuter aircraft, bridges, nuc- 
lear reactors, aging tankers, tractors — and on-and-on. u is 

inevitable that damage tolerance will emerge as the safest 

and or the most cost-effective means tor maintaining structu- 
ral integrity. However, this statement assumes that an 
infrastructure exists for performing inspections either during 

initial manufacturing or according to a maintenance program. 
Nevertheless, particularly in airframe components, because 

of the widespread damage issue with its two sub elements, 
multi site damage and multi clement damage, we will need to 

combine all three philosophies: sate life, fail safe and damage 
tolerance. 

In the interim, are we in >t all fortunate that "there is more than 
one way to solve an engineering problem". 
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SUMMARY 

The development process for a new aircraft requires the 
successful completion of a number of tasks established 
to ensure that the structure of an aircraft will meet its 
design objectives. In addition, for aircraft that have 
been deployed, there are a number of tasks that must be 
accomplished to ensure its operational success. I or 
both military and commercial aircraft, the tasks to be 
performed are largely dictated by acquisition or 
certification agency requirements. There is 
considerable historical evidence to prove thai when the 
requirements were lacking in some respect, the 
structural integrity of the resulting aircraft was also 
found to be lacking. Many of the problems with aircraft 
structures can be traced back to a failure to understand 
die threat to Üieir integrity   In addition, many of 
structural problems can be identified with an unrealistic 
assessment of the operational usage and we'ghl grow th 
of the aircraft, fighter and attack aircraft, in particular, 
have demonstrated significantly more severe average 
usage and more variability in usage than predicted 
during its design. It is the purpose of this paper to 
explore the processes that ;ire used to ensure a safe and 
operationally economic structural design for ;ui aircraft. 
The USAF Aircraft Structural Integrity Program (AS1I>) 
is used to illustrate the various aspects of the process. 
The current approach used for the ASH' by die United 
States Air Force is discussed along with a discussion of 
problems encountered in practice   In addition, some 
recommendations for improvement of the integrity 
process are included. 

Aircraft structural integrity is die characteristic of an 
airplane Unit enables it to withstand llw loads 
environment and usage imposed during service. The 
need for formalizing an aircraft structural integrity in 
the Air force was first recognized in 1 *>5S when there 
were a series of catastrophic wing failures on U-47s thai 
were caused by fatigue. The Air force ("hie! of Staff, 
Gen Curtis LeMay, approved the initiation ol the 
program in a May 1°5X nviiiornndum   He issued a 
policy directive on \') November 1 '>5.S dial required a 
commitment from the major commands  A complete 
history of the origin of die program may be found in 
reference 1. The objectives of the structural integrity 
program were to control structural failure of operational 

aircraft, determine methods of accurately predicting 
aircraft service life, and provide a design and test 
approach thai will avoid structural fatigue problems in 
future weapon systems.  Diese objectives still constitute 
die basis of the present USAF Aircraft Structural 
Integrity Program (AS1P). 

I he original ASIP used a reliability based approach to 
establish the operational life. This was referred to as 
the "safe life approach." The sale life approach relied 
upon the results of the laboratory "fatigue lest" of a lull- 
scale article to die spectrum of loading that simulated 
the service operational environment of the aircraft  The 
"safe life" of the airplane was established by dividing 
the number of successfully test simulated flight hours 
by a factor (eg , lour was commonly used b> the 
l ISAF)   The intent of the factor was to account lor 
article to article variation in materials and 
manufacturing quality and was thought to be sufficient 
lo preclude structural failure in service aircrall 
attributable lo materials, or manufacturing quality   This 
concept was die basis I'oi all new designs during the 
1%0's. It was also the concept used to establish the 
"sale life" for earlier designs when these aircrall were 
subjected lo a fatigue test   The approach appeared to be 
successful as exemplified by systems such as the ("• 141 
The C-141 has generally had an excellent safely and 
overall service record, although some of the materials 
chosen and some ol the structural details used in tins 
aircraft have caused service problems in its later life. 

1 here were, however, some cases during the I'Hill's 
v.here service experience was unsatisfactory and the 
"sale tile" approach became suspect   Catastrophic loss 
of an I-111 in 1%'J demonstrated the "sale life" method 
had not precluded the use of low ductility materials 
operating at high stresses  Consequently, this design 
was intolerant to manufacturing and service induced 
delects. This was evidenced, also, by failures in cold 
proof lest   Since the program was initiated aller the 
looo accident, there have been over ten significant 
(allures in cold prool lesi in aircraft that were 
considerably sfcorl ol then lest demonstrated sate hie 
Some of these were found to be the result of small 
defects induced by maintenance actions. Oilier hisses 
(e g . I-5, H-s2 and 1-3X1 and incidents ol serious 
cracking (e g , KC-13S) during this period confirmed 
tins shortcoming.   Hie ability to inspect these early 
"sale life" aircraft was significantly impacted by this 
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intolerance tu defects and cracks. In many applications, 
it was found to be extremely difficult to inspect the 
aircraft   Since inspeclabilily of the aircraft was not 
required as a part o.r tins approach, many details were 
found to be outside the 1960s inspection capability 
Relative!', small cracks and defects could readily escape 
detection will) dramatic consequences   In diese 
situations, a modification program was usu;dly the only 
viable alternative. 

'ITie shortcomings of the safe life process as illustrated 
by the cited service incidents demanded a fundamental 
change be made in the approach to design, qualification, 
and inspection of aircraft   An improved reliability 
approach and a damage tolerance approach emerged as 
the candidates for this change  The damage tolerance 
approach recognized an aircraft was subject to a wide 
range of initial quality from the manufacturing process 
and from service induced damage and il had to be 
irtspccrable. To ensure the design could be operated 
safely in the presence of such anomalies, the structure is 
designed to be tolerant to these defects for some period 
of service usage before there is a need for an inspection 
The damage tolerance approach can be used to 
determine the period of safe operation, called   >e safety 
limit, and req;; red inspection intervals   "Hit    .me 
approach is used for existing designs as well as new 
The difference is that inspection intervals may be more 
easily controlled in a new design   The damage 
tolerance approach was used to upgrade the structural 
integrity of several operational aircraft (e g , the I -111. 
C-5A and F-4) in the early IV70V It influenced the 
design of the I*-15, and was a basis for the design 
criteria lor the II-1 A. The success of these endeavors 
convinced the Air Force damage tolerance should be the 
basis for all future designs   In December of 1975, the 
damage tolerance approach was formally made a part of 
ASH' with the publication of reference 2   During the 
l')7()'s and 19S0\, the Air force performed an 
assessment on every major aircraft weapon system 
using die damage tolerance approach to develop 
appropriate inspection/modification programs to 
maintain operational safety   As an indicator of success, 
the failure rate for all systems designed lo and/or 
maintained to the damage tolerance policy is one 
aircraft lost due to structural reasons in more than ten 
million flight hours   'Iltis is significantly less than Ihe 
overall aircraft loss rale from all causes by two orders ol 
magnitude 

The current version of the ASH' includes five separate 
tasks dial cover all aspects of the development and 
support of an aircraft structure   These lasks. some ol 
which are shown in figure 1 are identified as follows 

I IX;sign Information 
2. IX-sign Analyses and Development Tests 
3 I'ull-Scale Testing 
4 Force Management Data Package 

5. Force Management 

The primary focus of the program is to ensure the 
structural s;iiety of Air Force aircraft. As indicated 
above, Ulis has been accomplished such that the pilot is 
exposed to less risk from aircraft structural failure dian 
he normally accepts in other activities (e.g., driving an 
automobile). Much of this success has been attained 
Üirough die utilization of die results of die individual 
tail number tracking program   This program is a main 
feature of die ASH'   This tracking capability has long 
been recognized as an essential feature of   ,e integrity 
program since experience has shown direr;:"' are often 
used differently than they were designed   There arc- 
many examples of this   One of these is the 1-16, which 
is being used approximately a factor of eight tiaies more 
severely than it was designed   It would be impossible 
to operale llns aircratl safely without the data being 
derived from Ihe aircraft tracking program   The 
F-I6A/H tracking program has been adversely affected 
by the operator removing the flight data recorder and 
replacing it with a video camera   In spile of this 
problem, there has been sufficient data lo adequately 
support llns program   Another program ..here the 
(racking program has proved to he invaluable is the 
1-15   The current usage on Ihe 1-15 is approximately 
lour limes more severe than that used in design   The 
Hacking program has revealed llns is mainly allribuled 
to weight increases and to operations at Mach numbers 
that are higher than originally expected    Ihe normal 
load factor experience is quite close to the design 
estimates.   Hie tracking program has been able 10 
identity the extent of operational usage where hülfet 
loading on the wing and Ihe vertical tail has caused a 
significant maintenance cost lor the user  This 
information was used to design and test modifications to 
Ihe components    Ihe A-10 early operational service 
data, as derived from Ihe tracking program, showed the 
usage was approximately three limes mere severe than 
the original design usage    llns was parti) due lo an 
increase in Ihe normal lo.nl l.u to» spectrum and partly 
due to fuel loadings that were in excess of design 
These usage changes were successfully compensated for 
by modifications lo in-service aircraft and by changes in 
the production aircrall 

I he recording device (hat was the standard in the past 
for the tracking program, and is still being used, is a 
lape system   It has been proven by operational 
experience this device is not technically able lo attain, 
by a considerable margin, the data capture thai was 
potentially possible    The new microprocessor systems 
have eliminated the past problems and the current 
evidence shows the data capture is near the maximum 
potential 

The odier mam locus of the program is to ensure the 
aircraft are being operated in the most economical 
manner possible   The ASM* has evolved over the years. 
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primarily through the efforts of the Aeronautical 
Systems Center, into a process that develops aircraft 
that are tolerant to both manufacturing and service 
induced damage throughout their design life and usage. 
Ex icrience has shown it is rare for an Air Force aircraft 
to \ e retired because of structural degradation due to 
fatijue cracking. This type of degradation normally 
occurs on a single component of the aircraft rather than 
the entire aircraft. The damage tolerance approach is 
directed towards repair, modification, or retirement of a 
component only when in-service inspections reveal one 
of these actions should be taken. There have been many 
cases of structural modification to preclude retirement 
of the aircraft. Examples of this include the B-52D, 
C-5A, KC-135, F-16, andC-130. 

During the seventies and eighties, damage tolerance 
assessments were performed on all major weapon 
systems to update their Force Structural Maintenance 
I'lans (FSMP) and their tracking programs.  These 
assessments are discussed at length in reference 3   ll is 
believed the damage tolerance approach incorporated in 
live integrity process in the seventies is siil! the 
cornerstone for protecting the safely of aging aircraft 
Service experience has demonstrated this   Since diese 
assessments have been successful in maintaining safe 
and economic operations, it has been extremely difficult 
to maintain die level of funding for the ASIP that is 
reeded (o ensure the continued success of the program. 

Another problem is the constraints placed on the ASIP 
managers by program management   Program 
management faces pressures of schedule and cost that 
does not always permit adequate attention to integrity 
concerns such as corrosion control. Also, these ASIP 
managers arc so burdened with detail maintenance 
problems they have little time to devote to the 
consideration of broader issues for their aircraft. An 
example of a broader issue is the determination of when 
to expect the onset of widespread fatigue damage such 
as thai revealed in the inner to outer wing joint of the 
('-141   Another example is the unanticipated cracking 
in the A-71) wings that led to a structural failure in 
December of l()XS   Still another example is the 
identification of nondestructive inspection capability 
that will enable them to inspect more accurately and 
economically in the future 

Hie operational usage of USAF aircraft is often found 
to be considerably different from that used in design 
This vas primarily the result of increased weight and 
mission changes. Many aircraft, such as the ii-52, 
€-130 and C-141 are flying in a low level environment 
where the damage from cyclic loading is approximately 
ten limes worse than a high altitude mission   It was 
found aircraft were being flown much more 
aggressively than thai assumed tor the design   Also, as 
was found in the case of Ute 1-16, the weight was 

changed without compensating changes to the structure 
of the aircraft. 

THE ACQUISITION PROCKSS 

System acquisition programs in the IIS. Air Force 
typically go through a total of live phases   I hese are: 

Concept Fxploration and Definition 
Demonstration/Validation 
Engineering and Manufacturing Development 
Production and Deployment 
Operations and Support 

ll is not essential that all of diese phases be included. In 
some cases some of the phases may be combined 
Circumstances such as a decision to procure an aircraft 
that has already been certified by another agency would 
eliminate and/or combine some of the phases above 

lhere is very hide structural effort required in the 
Concept Exploration and Definition phase   In this 
phase paper studies are typically performed lo explore 
alternatives.  Diese studies allow comparison of each 
alternative on die basis of cost and operational 
effectiveness.  This phase would conclude with a 
decision on the need lor proceeding to the 
Demonstration/Validation phase 

The Demonstration/Validation phase is used lo 
reduce the technical risk or cost uncertainty   The 
program office will often lask the contractor lo build a 
prototype ami/or request lesis and paper studies lo 
accomplish these goals   ll is anticipated lhat die earl) 
pan of Uns phase would be used lor a screening process 
so dial die final slage of this phase could be used lo 
develop data for die selected technologies   li is in this 
phase dial a structural technology is transitioned from 
die laboratory lo die Engineer and Manufacturing 
Development (EMI)) phase   II a prototype is required, 
il places an additional burden on the structural engineer 
U is likely thai structure ol Ihe prototype would be 
different from ihe structure ot the EMI) aircrall because 
ihe EMI) structural concepts may have not uiaiured 
Therefore, the structural engineer has ihe lask ol 
providing a prototype structure dial would enable a 
meaningful aircrall capability demonstration 

The structural eflort in EMI) is completely defined in 
reference 2. At the successful completion ol dns phase 
the aircraft structure will be approved for production 
The data will have been generated to write die Strength 
Summary and Operating Restrictions Report and lo 
finali/e the Force Structural Maintenance Plan li e , Ihe 
how, when, and where lo perform die structural 
inspections required lo maintain safety and economic 
operation)   lite methodology will have been developed 
lo perform the tail number (racking required to obtain 
individual usage dala 
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The schedule of these phases is, of course, dependent on 
many considerations. One of the more important 
considerations is the scope of technologies development 
required before EMD  Another important consideration 
is the requirement for a prototype. If there is no 
significant technology development or prototype 
required then the time required for the 
Demonstration/Validation phase may be as short as 
three years. A prototype could stretch this time by 
approximately two years. If significant technology 
development is required then up to an additional five 
years may be required. Therefore, a program involving 
a prototype and technology development may impose a 
ten year interval from the start of Concept Exploration 
and Definition to EMD sum  The HMD schedule is 
subject to considerable variation because of effects of 
airframe size and complexity. A spread of live to nine 
years from die start of EMD to IOC (initial operational 
capability) is not unreasonable. In the EMD schedule 
there are several milestones that are crucial to 
technology development. The milestone be ft re which 
the technology must be completely matured v, "he start 
of the flight test program with an SO percen; if limit 
load restriction. By this point, the stress analysis will 
be submitted and approved   Therefore the final loads 
are available and final allowables for the materials must 
have been established. However, before this milestone 
is reached, the program would have had its Critical 
Design Review (CDR)   At diis point in the 
development the contractor should have completed 
approximately 95 percent of the drawings, That is, die 
final sizing should have essentially been completed   If 
die material allowables are not completed by this time 
the contractor (and correspondingly the government) is 
operating with some risk io both schedule and cost 
Therefore, the contractor should aim Ins technology 
development program to be completed (i e, final 
allowables, etc ) by the Preliminary Design Review 
(I'DR). This milestone would provide approximately 
nine to twelve months alier start of EMI) to complete 
the technology development   11ns nine could be used 
as a gage to estimate the degree of completion needed 
at EMD start. 

Technology Transition 

To be successful in die development of a new aircraft, 
the structural integrity effort must begin before the 
Engineering and Manufacturing Development phase of 
die program   In the 1ISAI', the structural activity starts 
in earnest in the Wright laboratories even before the 
Demonstration/Validation phase   However, it is 
normally the Demonstration/Validation phase that is 
particularly critical lor the transition of structural 
technology from the laboratory to the aircraft   There 
are many examples of successful transitions of 
technology from die laboratory to full-scale 
development. Many of these successes were derived 

from a well-conceived plan or "road map" that formed 
the basis or criteria for technology transition   In 
general, these road maps have included programs 
directed at several levels of technology maturity   .tiese 
levels are referred to as basic research, exploratory 
development, advanced development and 
manufacturing technology development. Most of die 
advanced development and manufacturing technology 
development program effort is directed towards the 
demonstration of die technology by means of die 
manufacture and testing of a specific piece of hardware 

A key element 1,1 die development of die road maps was 
a knowledge of die threats to structural integrity from 
the environment in which the structure must be able to 
perform its function   The understanding of diese direats 
typically is derived from experiences widi other 
materials  There are situations, however, where a new 
material may be sensitive to a direat dial in die past has 
not been a major factor  The types of threats that one 
should consider in die development of a new material or 
process are shown in figure 2 

A study of diose successful road maps for transition 
of technology to lull-scale development reveals dial 
they had certain factors in common   These factors may 
be combined to form a criterion for the transition 
process to be successful 

I rum a study of die successful transitions of structural 
technologies from the laboratory to full-scale 
development it was found d!at five factors constituted a 
common diread among these successes   Also. 11 was 
found that these live factors were essential to the 
successful completion oldie tasks 01 the United Stales 
Air force Structural Integrity Program 1 ASM')   fliese 
five factors are 

Stabilized material and/or material processes 
Producibility 
Characterized mechanical properties 
Predictability of structural performance 
Supportability 

In Ulis listing there was no attempt to establish a 
ranking of importance of diese factors   A deficiency in 
any one ot die factors could constitute a fatal defect   A 
description ot each of these live (actors involved in the 
transition ol structural technologies to lull-scale 
development is given in reference 4   liie relation 
between die phases ol ihc acquisition process, 
technology transition, and the ASIP is shown in figure 
3 

Since structural failure Irani fatigue was the motivating 
factor for the ASIP initiative in l'/SX. 11 is reasonable 
dial a number ol elements ol llie ASIP aie associated 
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with die influence of repealed loads on die structure. 
This is shown by figure 1. In all five tasks of ASH', 
there are significant elements related to repealed loads. 

Every element of Task I of the ASIP is critical for the 
aircraft to be successful in the repeated loads 
environment. The ASIP master plan provides a living 
document on what is planned to be accomplished and 
the results of tests after they are performed. The 
preperalion of this document is typically started in the 
Demonstration/Validation phase of acquisition. The 
first draft of this document is submitted with the 
proposal for the Engineering and Manufacturing 
Development phase and is updated regularly throughout 
the development and operational life of the aircraft. 
Task I could be considered die most important of die 
tasks of ASIP. The reason for this is that mistakes made 
here in structural design criteria for durability and 
damage tolerance, for example, could jeopardize die 
entire development. The same is also true for 
establishment of the design service life and usage of the 
aircraft. The burden for die success in Task 1 rests 
mainly with the acquisition authority    The operating 
command that is to use the aircraft also has a major 
role. The using command specifies the usage 
environment for which the aircraft is expected to 
operate. This is a particularly difficult task in that if the 
usage diey specify is less severe than that to be 
experienced in operational service dien liiere could be a 
significant economic burden for structural 
modifications. One of several examples of this is the 
case of the A-10. In this case, the initial fuel weight 
was based on mission requirements radier than using 
full initial fuel as was experienced in service   If die 
usage they specify is too severe or if there are missions 
specified thai are not operationally flown, then the 
weight of die aircraft could have a adverse impact on 
performance. An obvious example of this is the C-5A 
A major function in Task I where the contractor is 
involved is die selection of materials and processes   It 
is of utmost importance that the material and process 
selection be essentially complete by the end of the 
Demonstration/Validation phase in order to proceed 
with confidence in the HMD phase and meet die EMI) 
milestones 

It is in Task II of the ASIP that the sizing of die 
structure is accomplished to meet its operational 
requirements. "Ulis is accomplished through numerous 
analyses and tests. These analyses and tests are directed 
at specific structural details dial could be street to an 
inspection during the operational life of the aircraft 
These details are called critical locations. It is one of 
the functions of Task II to make an initial identification 
these locations It is difficult to say that one of die 
elements of Task II is any more critical dian the other 
However, the loads analysis is certainly a strong 
candidate for this distinction  The reason for diis, of 
course, is the severe impact of an error in loads on die 

durability and damage tolerance capability of die 
aircraft   Further, some of the important operational 
load cases involve high angles of attack and/or side slip 
Consequently, diere is often considerable difficulty in 
making an accurate load predictions. The generation of 
the design service loads spectra is usually straight 
forward in the case of fighter and attack aircraft, That 
is, aircraft where die effect of turbulence can be 
ignored, liiere are cases, however, where buffet loads 
may have a significant impact on structural integrity 
a-id consequently can not be ignored   Such a case is die 
I-15 thai has suffered bullet load damage on both the 
wing and the vertical tail   A description of how Ulis 
was solved on die F-15 vertical tail is found in reference 
5. In die case of bomber and transport category aircraft, 
there is die added problem dial the loads and 
consequendy the phasing of the components of the 
loads can only be represented by dieir probability 
distribution functions. This significantly complicates 
die generation of die design service loads dial are to be 
applied to the full-scale test article   A method for 
accounting for die load phasing associated wnh 
turbulence i^ described in reference ft.   This approach 
was used in generating the loading sequence used on die 
(*-17 durability lest. Aller the design service loads 
spectra has been generated for an aircraft, die stress 
spectra for each of the critical locations can be derived 
Tills effort uses die results from die stress analysis 

The USAF guidance for the damage tolerance analysis 
for the metallic structure is based on an initial flaw 
concept. The initial flaw concept and the derivation of 
currently used initial flaws is discussed in reference 3 
llie guidance on the si/e of die initial flaws is given in 
reference 7   The l ISAF guidance for most of the 
durability analyses is thai they also be performed using 
an initial flaw concept   The initial flaw used for these 
analyses is based on die largest defect dial could be 
expected to be in any given aircraft (see reference 7) 
Consequently, it is smaller dian die damage tolerance 
initial flaw size 

It is worthy of note dial many of die elements of Task II 
are oriented towards a fracture mechanics oriented 
damage tolerance approach   I lowever, there is, in fact, 
little difference in the scope of die effort associated 
with a safe life analysis   It is essential in both 
approaches to perform the loads analyses, stress 
analyses and obuiin the stress spectra for each critical 
location   These are die lime consuming, and 
consequently the costly tasks   It is usually a small 
difference in computer time thai causes ihe difference in 
analysis cost between die two approaches 

Under certain restrictions, die safe life approach for 
ensuring safety can be demonstrated to be adequate   In 
most examples of the use of safe life on modem 
mililary aircraft, testing of die lull-scale aircraft is 
accomplished   If this type of testing is not 
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accomplished, then (lie structural engineer is forced to 
make a judgment on the "effective stress concentration 
factor", or Kt to use in the fatigue analysis. The fatigue 

data displayed in reference 8 appears to have an 
effective stress concentration of about five. As shown 
in reference 9, there is a significant difference in die 
computed life derived from a change in K, from five to 

six, for example. Without an adequate test, that is truly 
representative of die expected flighl-by-flight usage and 
stress distributions in the airframe, there is no method of 
determining the magnitude of the effective K( of the 

structure. Therefore, die results of a safe life analysis 
without supporting test data are subject to such 
uncertainty that they are not usable. Another restriction 
on die use of safe life is dial its use should be restricted 
to materials that are reasonably insensitive to die 
defects that could have resulted from die manufacturing 
process or as a result of operational service   An 
example of the sensitivity of a steel engine mount to 
small defects is described in reference 9.   ITie failure of 
die safe life approach for e;uly USAF aircraft is 
attributed to die fact that they, in most cases, did not 
have an adequate fatigue test  This was the case for the 
F-4 and die C-130, as examples. Also, as evidenced by 
aircraft such as the KC-135, die USAF accepted designs 
with low toughness materials dial operated at stresses 
that made diem flaw sensitive  Finally, die structure 
should be designed to be inspectable   It is impossible to 
represent all of die potential environmental effects in a 
laboratory fatigue test   It is also difficult to know 
whether die safe life scatter factor adequately accounts 
for die variation in quality of production aircraft   I or 
diese reasons, it is essential dial aircraft be subjected to 
inspection during die course of Üieir operational service 
In die event dial an aircraft has been subjected to a 
representative fatigue test, is constructed with materials 
at stress levels dial would satisfy die damage tolerance 
guidance, and is inspectable, dien it could be qualified 
by die safe life process   If all of these stipulations are 
incorporated, it is evident that the materials and stresses 
ar.d configuration would be little different from a design 
based on damage tolerance principles 

Anodier critical effort in Task II is die design 
development tests. These arc llie coupon, element, 
subcomponent, and component tests dial form the 
building blocks for the understanding of (lie structured 
performance under environmental loading. The costs of 
these tests can be a significant part of die enure 
structural development program   Consequently, these 
tests may fall victim to funding shortfalls in the 
program. Experience has shown dial a successful 
design development test program is the only way to 
ensure dial die risk is acceptable for the full-scale test 
program in Task III. It should be a program objective 
to enter die full-scale test program with low risk 
Failures in full-scale testing can create very serious 
program schedule disruptions and cause a financial 

burden far in excess of what would have been spent on a 
sound design development test program. 

The successful completion of die full-scale testing in 
Task HI is essential for keeping die acquisition process 
on schedule. There is never enough time and money 
available to ensure dial there will no risk of structural 
failure. However, as indicated above, with proper 
attention to the design development testing in task II, 
the risk of a major failure could be made to be low. 

It has long been recognized that early testing of die full- 
scale struciure was important. Although die early 
airframes are generally not completely representative of 
die final configurations, it is essential to get early 
information on deficiencies so diey can be corrected in 
production. The C-5A program is an example where 
both the static and fatigue tests were performed alter a 
significant number of production aircraft had been 
produced   Both of these tests resulted in serious failures 
that occurred significantly short of the design 
requirements   Hecause of the lateness of the tests, no 
changes were incorporated in any of die production 
aircraft. As a resuli, the aircraft had to operate under 
severe restriction until the entire Heel could be 
retrofitted with new wings.  This, of course, was a 
major expense to die government. 

As indicated in reference 3, a precept of the damage 
tolerance approach is the safety of the aircraft and its 
economic operation should be independently proven 
Hie damage tolerance analysis, supported by testing, 
was die basis lor sale operations and the lull-scale 
durability lest was die basis lor establishing the 
economic burden associated with service usage   The 
damage tolerance analysis, supported by testing, has 
been effective in ldemilying areas of the aircraft dial 
could potentially cause a salety problem   li is desirable, 
however, to ensure they have been identified through 
the full-scale durability test   Hie spectrum used by the 
USAF lor both the damage tolerance and durability 
analyses and testing is die expected average usage 
MII.-A-XX67IKUSAF) (reference 1(1). which was 
released 22 August 107s, staled die lull scale durability 
lest should he run lor a mtitiinum r.l two lilclimes 
unless die economic hie was reached prior to two 
lifetimes    Hie economic file ol a structural component 
is reached when thai component is more economic to 
replace than repair   I he economic lite ol a component 
is extremely dillicult to determine analytically   It may 
be, however, demonstrated in durability testing    The 
same guidance that was given in MIF-A-X.Wlttl ISAF) 
was given later m Al( JS-S7221A (reference 7)   I here 
was no guidance given, however, on the rationale lor a 
need lor testing lor more than two lileliines 
Consequently, it has been a program decision to test 
every aircraft lor two lileliines since 1(>75   All the 
known service experience demonstrates that an aircraft, 
alter successlully passing a two lilelime llight-hy-tlight 
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durability test, will not reach its economic life in one 
lifetime of service usage representative of the test 
spectrum. There is a question, however, whether a full- 
scale durability test that simulates two lifetimes of 
planned operational usage will adequately interrogate 
the structure to determine all the areas in all aircraft that 
could potentially cause a safety problem. 

Experience with operational aircraft has revealed they 
are typically not flown to the loading spectrum for 
which they were designed. Data from flight load 
recorders have shown, in general, that there are 
considerable differences in usage severity among 
aircraft wiüi the same designation. Further, it is often 
found the average aircraft usage is more severe than 
originally perceived early in the design process. This 
problem is aggravated by the fact the damage tolerance 
analysis may have not identified an area which would 
be a concern if the aircraft usage was more severe than 
that assumed for design. Also, experience has shown 
the mass of an aircraft increases as a result of additional 
equipment or modification after an aircraft enters 
operational service   In addition, there are differences 
because (1) pilot technique changes as they become 
more f;uniliar with the aircraft, and (2) mission changes 
because of new weapons and tactics.  Hie aircrafl-to- 
aircraft variability comes from several sources such as 
base to base variations in distance to test ranges and 
training. These experiences tend to degrade the 
capability of the full-scale durability test that consisted 
of two lifetimes of average usage to identify all the 
areas of the aircraft that could potentially cause a safely 
problem. Consequently, the structural engineer should, 
based on historical evidence, make some allowances lor 
incre;ised usage seventy occurring as a result of mission 
severity changes and aircraft to aircraft variations in 
operational usage. To ensure aircralt durability, this 
should be done both in the design of the aircraft and in 
the test. The historical evidence of usage differences 
derived from changes in pilot technique and mission 
changes is generally not easily translatable to new 
designs. 

A procedure is described in reference 11 that is believed 
to be useful for establishing live duration and/or the 
severity of testing that should be performed in a full- 
scale durability test to ensure that all of the significant 
regions of die structure have been identified   It is based 
primarily on data that is could be derived from the 
existing analyses and development testing   An example 
problem discussed in reference 11 indicates that die 
length of testing required using an average spectrum 
may be uneconomical   However, it appears practical to 
increase the severity of the spectrum to provide for an 
adequate test and to complete the test in a timely 
manner. 

Ilie procedure also provides a basis for the success of 
the test. During or at the end of the full-scale durability 

test, a crack may be found dial initially appears to be' 
significant. This would not automatically indicate that 
the structure has failed to pass the test. It would, 
however, indicate additional investigation should be 
undertaken. A fractograpfnc examination should be 
conducted to determine if the crack growth was faster 
than predicted  If it was found to be faster than 
predicted based on the earlier analyses and tests, then an 
investigation should be conducted to determine die local 
stresses and the fracture data (crack growüi rate) for the 
material used in the full-scale lest article. An 
assessment should also be made to determine the 
implication on the damage tolerance derived inspection 
program. After a study of all available information, a 
judgment is then made on the need for aircraft 
modification or additional inspections to maintain 
economic and safe operational aircraft 

It is often found that a region or part of die aircraft 
needs to be redesigned based on failure in die durability 
test. There may be occasions where die redesigned part 
is obviously robust enough such diat additional testing 
is not required   However, in general, the redesign 
should be subjected to the same rigors of testing as die 
original airframe  This can often be accomplished widi 
a component test   However, diere are some cases where 
diis is not practical  This retesting generally results in 
significant costs that were not p;irt of die original 
funding. The prospect of retesting the aircraft should In- 
adequate motivation to take the necessary precautions to 
ensure dial die risk is low at die sum of testing 

Another critical element in Task III is die flight and 
ground operation tests   As indicated above, the 
analytical determination of loads is a process that 
requires considerable precision   In many cases, 
however, this precision is h;ird to achieve because of die 
nonlinear character of die loading process   It is rare 
that the loads are calculated widi sufficient accuracy 
such that no changes are derived from die flight and 
ground operation testing   It is important to get the 
information from diese load tests early enough to 
influence the full-scale static and durability testing 
The aircralt is released to an envelope of 80 percent of 
limit load based on analysis only to provide the 
capability to perform die flight loads testing 

One of the critical elements of Task IV is the 
development of die force Structural Maintenance I'lan 
(ISMP)   This plan tells the maintainer of the aircralt 
how, when and where die aircraft are to be inspected 
and/or modified as they proceed through their 
operational lives   I or new aircralt, the guidance in 
reference 7 is to establish the stresses such that no 
inspections are mandatory to provide flight safety   11ns 
means that the stresses are established such dial there 
are two lifetimes of slow crack growdi capability from 
die damage tolerance initial flaw to critical crack 
length   However, an inspection should be developed 

m 

•      • 

•      • 
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that could be used in the case of usage severity or mass 
increases. For most military aircraft, experience has 
shown that there is a considerable difference in usage 
severity among the individual aircraft The accounting 
for the actual usage of the aircraft is determined by die 
individual aircraft tracking program and the 
loads/environment spectra survey. These two elements 
work together to obtain an estimate of the stress spectra 
for a number of control points in die structure. For 
aircraft that are desigred according to die damage 
tolerance philosophy, die generated stress spectrum is 
used to determine the time at which the damage 
tolerance initial flaws would grow to critical  This lime 
is divided by a factor of two to determine the number of 
flight hours that the inspection should be performed. 
For aircraft that are operated under a safe life approach, 
die tracking program is used to determine, for die 
various tracking control points, the life expended 
relative to the fatigue test demonstrated life. 

There are several approaches that have been used to 
monitor the aircraft for inputs to die individual tracking 
program and for the loads/environment spectra survey 
One of diese is the use of strain gages to make direct 
measurements of strain and correspondingly siress on 
die structure. Another approach is to measure certain 
functions, such as linear and angular accelerations, 
surface positions, and fuel stales to make an estimate of 
die stress at any desired control point of die structure. Il 
is die position of die USA!' that each of diese methods 
has llieir own advantages and disadvantages for a 
particular location. Therefore, the choice »ill be made 
on what appears to be die best for the particular area to 
be monitored. 

As the aircraft ages, the effort in Task V provides die 
basis lor making modifications to the structural program 
through the interpretation of inspection results and die 
results of the individual aircraft tracking program   As 
an aircraft ages, it is then exposed to multiple threats to 
iis integrity. One example of this is crack growth 
aggravated by corrosion. Another example dial is threat 
of discrete source damage for a structure widi 
widespread fatigue damage. The latter example has 
been a problem with several l ISAF aircraft such as die 
wings of die K( '• 115, ('-5 A, and ('-141. The problem is 
that widespread fatigue damage can degrade die fail 
sale capability of an aircraft   The approach that h;is 
been used to assess UIIN problem is based on 
determination of the probability of failure given that the 
discrete damage has occurred   A method for 
determining dns conditional probability of failure is 
discussed in reference 12. 

■SUMMARY 

Ihe integrity process called the IJSAF Aircraft 
Structural Integrity Program is believed to contain all of 
the elements required to ensure that aircraft structure 

designed widi this process will be successful in meeting 
dieir operational requirements   It it further believed 
dial other approaches could be used to achieve 
structural integrity. The successful deployment of 
numerous aircraft has proved diis to be true. One key 
feature, however, of any approach is that the structural 
engineer needs to exercise prudent judgment that will 
contain the risk of failure to an acceptably low level as 
die program proceeds to higher and higher levels of 
funding requirements  Another key feature of any 
program is to anticipate the threat to structural integrity 
for a particular design  New diieats will appe;ir as 
increases in performance requirements place pressure 
on decreases in weight. As die demand for performance 
increases such dial (he thermal loading is a significant 
factor, there will be a need to use probabilistic methods 
for the assessment of structural integrity. Also, as the 
performance increases, diere will be a expanded role for 
"smart structures" For die foreseeable future, testing 
will remain die primary basis for acceptance of the 
structure The advent of composite structures has 
certainly reinforced this position   Hie test requirement 
places a discipline in the entire structural design 
program dial probably can noi be achieved by any other 
means. 
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SUMMARY 

In the first sections, the requirements to be me; by hypotheses for fatigue life prediction (including those for the 
crack initiation and crack propagation phases) are discussed in detail. These requirements are shown to be different 
for "scientific" and for "industrial" fatigue life prediction. Aspects with regard to an assessment of fatigue life pre- 
diction hypotheses are discussed. 

The last section presents the results of a large co-operative programme between IABCi and several automobile 
manufacturers, in which Miner's Rule in several versions was assessed against spectrum tests with live different 
actual automobile components namely: 
• Forged steel stub axle 
• Forged steel stub axle, induction hardened 
• Sheet steel welded rear axle (front wheel drive car) 
• Cast aluminium wheel 
• Welded sheet steel wheel. 

Since up to 80 components each were available, and two different, but typical, automotive stress-time histories were 
employed, the assessment was very thorough, avoiding many of the drawbacks of previous assessments. 

It is shown that 
damage sums to failure were usually far below 1.0, 
they also depended on the component in question, the aluminium wheel resulting in the lowest damage sums to 
failure, 
the damage sums to failure where always lower for a mild spectrum than for a severe one 
the influence of spectrum variation was predicted best - among the hypotheses tested - by use of a recent 
proposal of Zenner and Liu. 

1   INTRODUCTION 
The fatigue life under variable stress amplitudes has 
been calculated since 1924 (Palmgren [1]), 1937 
(Langer [2]; and 1945 (Miner [3]). Langer suggested a 
damage sum of 1.0 for the crack initiation phase and an 
additional one of 1.0 for the crack propagation phase; 
Miner proposed a damage sum of > 1.0 to crack 
initiation. 

However, this was generally overlooked by later users, 
including Miner himself [4] and the total life encom- 
passing crack initiation and crack propagation1' was lor 
many years calculated employing Miner's Rule 

Since about 1950, the accuracy of Miner's Rule was 
assessed by unsuitable two-step- or "overload "-tests, at 
best by blocked programme tests [5], and damage sums 
between 0.1 and 10 were obtained. Quite surprisingly, 
this did not deter industrial - including aeronautical - 
users from still calculating the fatigue life of their pro- 
ducts to this day by Miner's Rule with a damage sum of 
1.0. In the same time period, many attempts to improve 
Miner's Rule were made (for example [6|), but, in retro- 
spect, all were ut»«"ccf *' .ul. 

In 1961 Paris [7] publis led his crack propagation hypo- 
thesis 

'N. 
1.0. da_ 

<IN 

•        • 

= C AK" 

'   Here crack "initiation"' means a crack of an 'engineering" 
size of some tenths to some millimetres. From a 
fundamental point of view, fatigue is sometimes 
interpreted as crack propagation process exclusively 

which he later |8| extended to variable amplitudes. 
After a period in which simple linear [9] or retardation 
(101 hypotheses were proposed for the prediction of 
crack propagation life under variable amplitudes, lilber 

Presented at an AGARD Meeting on An Assessment of Fatigue Damage and Crack Growth Prediction Techniques', 
September IW3. 
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published his crack closure measurements [ 11) in 1968 
and model (12) in 1971, on which all significant hypo- 
theses for crack propagation subsequently were based. 

In the meantime, servo hydraulic test machines bad 
become available [13], somewhat later with computer 
control [ 14], so that for the first time the fatigue life 
prediction hypotheses, including those to crack initia- 
tion and tor crack propagation, could be assessed by 
realistic tests, i.e. tests with realistic stress-time histo- 
ries. Bui such assessments even today are quite rare in 
the open literature, probably because they are very ex- 
pensive and lime-consuming, if they are to be meaning- 
ful, see Chapter 4. Most assessments known to the aut- 
hors employed specimens, not components, although in 
the end the objective is to predict the fatigue life of 
components. 

2 SCIENTIFIC AND INDUSTRIAL FATIGUE LIFE 
PREDICTION 

Although this paper is mainly concerned with Miner's 
Rule, the following chapters contain general remarks 
valid for all hypotheses for fatigue life prediction, in- 
cluding those for crack propagation and to crack ini- 
tiation. "Fatigue life" in this paper therefore comprises 
the crack initiation or the crack propagation life and 
also total life to failure. Deliberately most examples 
given do not concern aerospace applications. 

The validity and limitations of fatigue life prediction 
hypotheses can only be assessed when all relevant input 
parameters are known. This is typically the case in the 
development phase where one may use the term "scien- 
tific fatigue life prediction" which is characterized as 
follows: 
• The prediction is usually carried out for small 

specimens: 
• basic data (or materials constants), for example the S- 

N curve(s) for a Miner-type calculation, have been 
determined with a sufficient number of specimens; 

• the stress-time sequences employed are exactly 
known, often no mean stress variations are con- 
sidered; 

• in many cases the stress level is unrealistically high; 
• the critical section of the specimen is known as well 

as the crack or notch shape; 
• therefore the stress intensity factor or stress concen- 

tration factor is known, as is die nominal and the 
local stress, if necessary for the prediction; 

• if such a prediction is to be assessed, the required 
variable amplitude tests are carried out with identical 
specimens from the same hatch of material. Strictly 
speaking, the result of the assessment is only valid 
for this batch of material, this specimen type, this 
stress-lime-history and so on. 

An important aspect of scientific fatigue life prediction 
is. that no damage is done if the prediction fails; the pre- 

diction can always be repeated with an "improved" 
hypothesis. In fact, this happened with Miner's Rule in 
its numerous versions as well as with many crack propa- 
gation or local approach hypotheses. 

For industrial applications the story is completely 
different in many aspects: 
• The fatigue life of components and structures often 

of considerable si/e and complex design has to be 
predicted. 

• The exact stress time history in service is not known, 
the stress level is inaccurately known. 

• Very often, the basic data characterizing fatigue 
strength are incomplete or not available with suffi- 
cient accuracy. It may well be that only 1 to 5 S-N 
tests, sometimes at one stress level only, are available 
for a Miner type prediction requiring assumptions to 
be made with regard to the slope of the S-N curve or 
the fatigue limit or mean stress effects. In such a case- 
any prediction could be off by a large factor even if 
the hypothesis itself were perfect. 
liven if complete S-N- or da/dn- vs. AK-curves were 
available, these are valid only for the one batch of 
material or components tested. In reality the structure 
of even one individual aircraft consists of many bat- 
ches and the tens of thousand of cars of one type 
manufactured in even one month contain only nomi- 
nally identical components manufactured by several 
different suppliers from many batches of material. 
This problem has nothing to do with the prediction 
hypothesis itself and is normally solved by statistical 
quality control fatigue tests with components from 
every incoming shipments. 
The importance of correct and reliable basic data has 
been emphasized in a qualitative way by the first 
author since at least 1980 115J. Recently the large 
effect of even small variations of, for example, the 
exponent n in the Paris equation on the prediction has 
been quantified in 116| where the example of a hypo- 
thetical designer of an offshore structure was pre- 
sented who had to assume or take from books, tables 
etc. all of the necessary input data for a prediction ol 
crack propagation. Not surprisingly large differences 
in the calculated crack propagation lives resulted, 
depending on the numerical values assumed. 

• lor specimen oriented life prediction concepts such 
as the local strain approach, further severe problems 
arise from transferability (equivalence) aspects 
I 'sually small polished smooth specimens are used to 
determine base line fatigue data, but one may well 
ask for the relevance of those daia lor a real compo- 
nent such as a forged stub axle which has been sub- 
jected to very different forging and machining pro- 
cesses. Furthermore, large components such as truck 
axles often show a considerable variability of the sta- 
tic strength and eycli. properties as discussed in 
some deiail in [17, 18]. An adequate consideration ot 

•) 

• • 
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such transferability aspects appears to he essential for 
such approaches. 

• For crack propagation hypotheses, transferability 
problems may similarly occur with regard to the de- 
pendence of the basic crack growth curves on the 
product form of the material. Kxamples are the typi- 
cal irregular crack paths found in Al-Li alloys which 
appea's to be texture-dependent. In [19] limitations 
with 'egard to transferability hindered a realistic 
prediction of crack propagation and residual strength 
of landing gear forgings. 

• Often the critical sections of the components are 
usually not known before the basic constant ampli- 
tude tests. It is also not certain that these sections 
critical under constant amplitude tests are identical to 
those under realistic variable amplitudes [20]. 

• Finite element calculations, even with very many 
degrees of freedom, usually employ too coarse 
meshes to reliably find these critical sections in 
complex components, even if the usually multiaxial 
service loads were known with sufficient accuracy. In 
fact, if the critical section and the corresponding (too 
low) fatigue life were known early enough in the 
development phase, the component design would be 
improved and the critical section would thus move 
somewhere else. A good example is given in [21 ] of 
the divergence of F.F. calculations and lest results, 
where the calculation correctly predicted the critical 
section of the original, but not of the final, improved 
wing joint. 
It is also not generally true that the component cracks 
or fails where the local strain is highest. Rather the 
component will fail where the strain due to die ser- 
vice loads is higher than the local allowable strain, 
which may well be different in different regions of a 
complex component, for example, at wcldments and 
which may be strongly influenced by environmental 
conditions (e.g. corrosion). 

• Very often, assumptions on input parameters have to 
be made which control the prediction results to a 
large extent. An example is the assumed initial crack 
size for crack propagation prediction. Large efforts 
are, therefore, made to better quantify these data by 
use of test and/or in-service experience within an 
FIFS approach. 

The largest difference to scientific fatigue life predic- 
tion, however, is the consequence of a wrong prediction: 
Consider the failure of an aircraft wing or of 1 000 auto- 
mobile axle spindles due to fatigue. Therefore industry 
can not rely c   such predictions alone, but usually 
requires fatigue tests, inspections and/or fail safe or 
damage tolerant design. 

i  VALIDITY REQUIREMENTS FOR FATIGUE LIFE 
PREDICTION HYPOTHESES 

These requirements are different for scientific and in- 
dustrial fatigue life prediction. 

A "scientific" hypothesis should be able to predict the 
fatigue life under all possible spectra to be expected in 
service, i.e. gust or manoeuvre spectra for aircraft, wave 
spectra for oil rigs, and for all materials, specimen 
shape:,, stress levels and fatigue lives, etc.2. It should 
do this with high reliability i.e. the average (mean) 
prediction should be close to the actual fatigue life in all 
cases, and with a small scatter (standard deviation). 
Ideally, all predictions should be exact in every case, 
with a mean prediction of 1.0 and a standard deviation 
of zero. This, however, is neither possible nor neces- 
sary in view of the many other unknowns. 

In the literature a number of quantitative requirements 
as to (he accuracy of such a hypothesis can he found: 

•) 

According to Buch [23], it is good if the ratio N, 
for all predictions lies within the ra,ige of 0.5 to 2.0 

/N test    pred 

According to Gassner [24], 90 percent of the prediction 
results should fall into a range of 1.0:2.0 on the sale 
side, i.e. should always be conservative. 

The first author stated in [25] that 90 f< of all predic- 
tions should lie between 0.66 and 1.5 of the actual life, 
which corresponds to a standard deviation of s < I 35 

Schijve in 1987 [26| required all crack propagation 
predictions to fall within 0.6 to 1.3 for a "good" hypo- 
thesis and between 0.5 and 2.0 for an "acceptable" one. 
In 1991 |27] he stiffened this requirement and required a 
crack propagation hypothesis to directly predict the 
crack growth of every indi idiiaii .light in a flight by 
flight sequence. 

An industrial fatigue life prediction hypothesis would 
be good enough if it were able to predict reliably the life 
for the products, the fatigue lives and the spectra in 
question. A truck manufacturer for example only needs 
to predict the life of truck components etc. and only at 
the long fatigue lives corresponding to > 500.000 km or 
> 10" cycles under a typical, severe customer spectrum: 
he is not interested in riveted aluminium structure typi- 
cal for aircraft The prediction also should always be on 

In the authors opinion it is not necessary, however, to he 

able to predict unrealistic 'overload" or   two ,tep   fatiguc 

lives. because such stress time histories do not occur in 

service and an otherwise useful hypothesis might be 
rejected in this way. This view is not shared by other 

experts,, see for example [22| 

• • 
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the conservative side, although not to far to avoid over- 
design. 

However, even a perfect hypothesis would only give the 
fatigue life with a probability of survival Ps = SO ft. For 
industrial application much lower probabilities of failure 
have to be considered. This aspect must either be incor- 
porated in the fatigue life prediction itself (as is the case 
for some welding fatigue standards [28. 29]) or it must 
be obtained by some other means. In [28| and [2l)[ an 
S-N curve with Ps = 97.7 per cent is used, correspon- 
ding lo the mean minus two standard deviations. The 
Miner calculations (with a damage sum of 1 0) are car- 
ried out with this S-N curve as a basis. Kven neglecting 
the problem with what confidence these S-N curves 
could have been deteimined for the many different wel- 
ding classes in these standards, this approach is funda- 
mentally Hawed in the authors' opinion, because it 
assumes the scatter to be equal under constant and under 
variable amplitudes. This, however, is not generally true 
[20). It is a much belter solution to separate the problem 
of the prediction hypothesis from that of the probabilily 
by first calculating the fatigue life under variable ampli- 
mdes tor l's = 50 V,, i.e. based on the mean S-N curve, 
and afterwards applying a statistically derived scatter 
factor This must be chosen according to experience 
with variable amplitude tests on components. Haibach 
in [M)\ gives some numerical examples with regard to 
surface quality. 

"What is a good industrial fatigue life prediction'' poses 
a dilemma: On one hand all the parameters necessary 
for the predictions are often not known with sufficient 
accuracy, as discussed in Chapter 2. and many other 
details also influence the result; so it is logical lo 
assume thai for the same Hypothesis the overall accu- 
racy of the prediction should be much lower than under 
laboratory conditions: if 0.5 to 2.0 is good for scientific 
purposes, probably 1.0 to 8,0 should be considered 
"good enough" for industrial predictions. However, no 
prospective industrial user could live with the statement 
thai just because of the inaccuracy of the prediction his 
oil rig might last for 10. but maybe also for 80 years. As 
mentioned before, this is the reason why a fatigue life 
prediction by calculation alone can never be employed 
alone for critical components; fatigue tests with the 
component and/or inspections and damage I    .anl or 
tail sale design are necessary. 

4  RKOl IKKMENITS EOR THE ASSESSMENT Of 
KATKil E LIKE PREDICTION HYPOTHESES 

Alier the question "What is a good (enough) predic- 
tion.'" has been settled, the hypothesis in question must 
be validated. This is only possible by comparison with 
the results of realistic variable amplitude tests. I "his may 
sound trivial, but n is here that most errors are made, 
often by overly optimistic inventors of new hypotheses 
"Realistic" tests mean tests with realistic stress-time 

histories and at realistic stress levels and lives lo failure. 
The former requirement can be met easily, because for 
many applications standardized stress-lime histories are 
now available, like "Gauss" (general), "Twist" (transport 
aircraft), "Falstaff" (tactical aircraft),' Helix-Fel ;" 
(helicopters), "Turbistan" (gas turbines), "Carlos" (auto- 
mobiles), "Wash" (offshore rig) and "Wisper" (wind 
turbines). 

The second requirement is very difficult lo meet, be- 
cause it is very expensive and time-consuming in parti- 
cular for long fatigue lives. For example, the 20 or more 
years' life of an oil rig is equivalent to about 10" cycles; 
similar numbers of cycles occur in trucks and cars. Al- 
though a considerable percentage of these numbers of 
cycles can be omitted in test without influencing the re- 
sults, the "omission dilemma" [21 ] has not generally 
been solved. Based on lxge number of tests, stress am- 
plitudes < 50 % of the fatigue limit as an upper omis- 
sion limit have been suggested [31. 32). . 

Anyway, realistic stress levels in assessment tests are 
absolutely necessary, because while a hypothesis might 
be good al high stress levels and. say. IIP cycles this 
does not necessarily prove il is good al more realistic 
stress levels and cycles to failure |.V3|. A recent example 
can be found in 134|, where Miner's Rule and a crack 
propagation calculation showed good agreement with 
test results under Felix/28 at very short taligue lives/ 
high stresses, but were unconservalive by factors of 4 to 
7 at longer, more realistic fatigue lives 

Some authors give the impression thai their hypotheses 
have been assessed and found to be "gtxxl". hut close 
inspection by independent assessors shows mis lo be 
incorrect An example is the large SA1-Programme [35| 
where none ot the many hypotheses presented could be 
considered good by a large margin. Another example 
can be found in |22). where the authors chum their 
hypothesis to be superior to several others, because n 
also predicted the : aligue life under very simple "over- 
load" and "underload" sequences belter than others 
while all hypotheses "lit generally well with ihe test re- 
sults". ()n closer inspection, however, none of the hypo- 
theses assessed was good or even acceptable for the rea- 
listic stress lime histories and the authors hypothesis 
was no better than the others. 

()ne aspect of the assessment needs lurthcr discussion: 
Both the constant amplitude as well as the spectrum 
loading tests show scatter Deterministic life prediction 
concepts deliver a prediction lor a selected probability. 
generally lor l\ = 50 ">. because this value has the 
highest confidence. Il is sell evident that predictions 
should be compared to the corresponding experimental 
values i.e .;-.     .or l\ - 50 '<  V.:ry often, however, 
individual lesi results are compared to the predicted 
value because only lew variable amplitude test resulls 
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are available, in particular a! long lives. Thus experi- 
mental scatter and the scatter due to the hypotheses 
themselves are mixed which hinders the assessment 
with regard to the requirements mentioned in Chapter 3. 
A better solution would be to evaluate the ratio of pre- 
dicted vs. mean experimental lives at selected load 
levels or fatigue life intervals. Only if several different 
hypotheses are checked and ranked against a fixed set of 
experimental data, both ways are meaningful An exam- 
ple is given and discussed in the following chapter. 

5  FATIGUE LIFE PREDICTION FOR AUTOMOTIVE 
COMPONENTS 

5.1 Background 
During the eighties, a large test programme was conduc- 
ted at IABG supported by several German car manu- 
facturers [36. 37|. Hive different components of the sus- 
pension system were selected from actual production 
lines including 
• a forged steel stub axle 
• a forged steel stub axle with an induction hardened 

critical section 
• a sheet steel welded rear axle from a front »heel 

drive ear 
• a cast aluminium wheel 
• a welded sheet steel wheel. 

These components were tested under constant amplitude 
and spectrum loading to provide a broad basis for an 
assessment of fatigue life prediction according to dif- 
ferent versions of Miner's Rule. Moreover typical life 
ratios (damage sums at failure) were be determined for 
these components which have to be designed for a spec- 
trum loading environment, since the expected maximum 
loads are well beyond the endurance limit. 

5.2 Test Details 

The components were tested predominantly in a bending 
mode since loading in the vertical as well as the lateral 
direction induces bending moments into the components 
in the built-in position. The wheels were tested in a 
special test rig where the wheel fixed to a plate is rota- 
ted with a constant frequency of 25 11/ whereas a (vari- 
able) bending moment is introduced by a servo hydrau- 
lic actuator. Here the loading was kept constant for 4 
sec per individual load level which translates to 1(X) 
cycles at K -- -1 for each step. 

Besides constant amplitude loading at R = -1 and partly 
R = -0.4 two different spectra were applied, Fig. 1. 
Spectrum I. typical for customer usage, can he described 
by a straight line in a log-lin diagram: spectrum II. be- 
ing dominated by higher load ranges, is typical for race 
or test track driving. It is similar to a Gaussian spec- 
trum. Both sequences were generated by a pseudo- 
random generator and repeated until failure. The R ratio 
was deliberately set to R = -1 for all of the cycles, i.e. 
mean load changes did not occur. The failure criteria 

was total failure or 'he occurrence of one or several 
large cracks (in the rangt of 30 to KM) mm) where no 
substantial further life increments could be expected. 
Typical results showing the amount of test data are 
plotted in Fig. 2 for the sheet steel welded rear axle part. 

5.3 Miner Hypotheses 
Three versions of Miner's Rule were included in the 
evaluation procedure differing in the handling of load 
ranges below the fatigue limit. Fig. 3. designated as 
• Miner-original(MO), no damage below the fatigue 

limit 
• Miner- modified according to Haibaeh [38| (MH) 

where a fictitious S-.N curve below the fatigue limit 
with a reduced slope 2k-1 is assumed 

• Miner-elementary (ME), with a fictitious S-N curve 
prolonged below the fatigue limit i.e. any fatigue 
limit is neglected. 

Finally a forth method recently proposed by Zenner and 
l.iu 139] (ZL) was included which consists of a linear 
Miner type prediction based on an artificial S-N curve. 
That S-N curve is constructed as follows. Fig 4: Since i; 
has been observed that even elementary Miner predic- 
tions can produce unconservative results, a steeper slope 
than the original slope k should be applied. With regard 

He crack propagation phase which often considerably 
ributes to total life, a fictitious slope 

.   = '/J (3.5 + k) is proposed which is the average of the 
actual slope k and k = 3.5 which would be typical for 
crack propagation. Based on results from omission tests 
|31, 32], a cut-off level, i.e. a new "fatigue limit", is 
considered which is 50 <'{ of the actual fatigue limit 
The artificial S-N curve starts for the maximum load 
range of the spectrum at the original S-N curve. Thus 
for each overall stress level a new artificial S-N curve is 
constructed and used for prediction. It is obvious that 
some of the elements ••■: that proposal are similar to 
previous methods [6|. nut more recent knowledge ap- 
pears to be incorporated to the new method which is 
easy to implement. 

5.4 Results and Discussion 
Gassner curves, i.e. S-N curves tor spectrum loading, 
were predicted for each of the components applying the 
four versions of Miner type damage calculations men 
tioned above Fxamples are shown in Figs 5 and 6 lor 
each test result the life ratio I) = NW!il/N„nl was deter- 
mined which is equivalent to an individual damage sum 
I), for that specimen. These life ratios were compiled 
and mean and standard deviation of their logarithms 
were established for individual and grouped data sets. 
From the standard deviations, a scatter (actor 

' = ^IO^^VM was derived assuming a log normal 
distribution for the life ratios. D,. Thus these scatter 
factors include both the scatter due to eventually in- 
adequate hypotheses and the experimental scatter. Since 
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different hypotheses are checked against a common data 
pool, that procedure appears to be tolerable. 

In Fig. 7 all prediction results are compiled in terms of 
the respective mean life ratios, D, and the associated 
scatter factors, T These have been obtained individually 
for each of the five components and each of the two 
spectra. 

The most significant value for an assessment of hypo- 
theses is the scatter factor which in this case gives a 
measure how good the characteristics of the Gassner 
curve, i.e. the effect of the overall load level, is predict- 
ed. A small scatter factor may well be accompanied by 
a relatively large error of the overall position of the 
predicted Gassner curve. Fig. 7 indicates that none of 
the hypotheses tested exhibits a clear superiority above 
the others with respect to scatter factors, T, as an assess- 
ment criterion. The smallest scatter values are found for 
the recent proposal of Zenner/I.iu as well as for the 
original and modified Miner predictions, respectively. 

It is interesting to note that the influence of the overall 
load level is predicted most accurately by the original 
Miner rule when the maximum load ranges are close to 
(he fatigue limit. Fig. 6. In this case, the method of 
Zenner/Uu is worst due to a significant difference be- 
tween the predicted and actual slope of the Gassner 
curves, respectively. 

In most cast's the predictions are unconservative ranging 
down lo D = 0.053 for the cast aluminium wheel, which 
corresponds to an overestimation of fatigue life by a 
factor of 19. 

Still more important, however, die mean life ratios are 
significantly different for the two spectra when the 
conventional Miner type predictions are considered. lor 
spectrum I characterizing customer usage D1IKM =0.14 
is found on an average using Miner original whereas for 
test track usage (spectrum II) Draeal! = 0.56. This means 
that experimental experience collected on test or race 
trr ' s cannot directly be used for design for customer 
usag.    i a relative Miner approach. With regard to that 
criterion the Zenner/IAu proposal works best because 
the range of mean life ratios observed for the two 
spectra is significantly smaller than those found for the 
other hypotheses. 

Up to now prediclior.s for individual lest results were 
separately evaluated for each of the components and the 
two spectra, respectively. Thus the overall load levels 
which were selected for the described test programme 
were considered. Taking the view of industrial applica- 
tion, a different criterion would perhaps he more signi- 
ficant where an overall load level is chosen lor evalua- 
tion which can be called a design load level. This load 
level is the maximum load range which is expected for 

the design life excluding, however, overloads resulting 
from mis-use or near-accident situations. Here the pre- 
dictions are compared to the respective mean experi- 
mental spectrum fatigue lives. The mean life ratios and 
associated scatter factors for that load level are com- 
piled in Fig. 8 where the results for all five components 
are combined. 

The most striking conclusion from that figure is the 
superiority of the Zenner/I.iu proposal when both 
spectra are commonly evaluated. Besides the lowest 
scatter factor for the predictions, a mean life ratio near 
unity is found. 

It is obvious that different criteria may be employed for 
an assessment of fatigue life prediction hypotheses 
leading to sometimes contradicting conclusions. It is 
essential, therefore, to clearly state the criteria used 
when such hypotheses are evaluated on the basis of 
relevant experimental data. 

6 CONCLUDING REMARK* 
For an assessment of fatigue life prediction hypotheses 
several requirements have to he fulfilled which are not 
easily met Since the conditions, prerequisites and 
consequences of an application of fatigue life predic- 
tions are extremely varying, it is not realistic to expect 
or l(X)k for prediction concepts which are generally 
applicable. 

When fatigue life prediction is applied in industry 
Miner's Rule is still in use partly due lo its simplicity, 
but also due lo incorporation of basic fatigue data which 
inherently reflect many of the fatigue-relevant features 
such as si/e. surface finish etc. Il is, however, evident 
that the complex process of fatigue (crack) initiation 
and accumulation (crack propagation) under variable 
amplitude loading is oversimplified by the linear da- 
mage accumulation rule. This has been confirmed again 
on the basis of the large test programme on actual com- 
ponents from automotive suspension systems as shown 
in the paper. 
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Fig. 1      Cumulative frequency distributions of test 
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Fig, 3      Representation of S-N curves for different 
versions of Miner's Rule 
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Fig. 5 Test results and predictions for a welded rear 
axle part under spectrum loading 
(MO = Miner original. MH = Miner mod. 
tlaibach. MF- = Miner elcm., ZL = Zenner/Liu) 
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Fig. 6      Test results and predictions for a forged steel 
stub axle under spectrum loading 
(MO = Miner original. MH = Miner mod. 
Haibach. ML = Miner elem.. ZL = Zenner/Liu) 
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SUMMARY 

This paper reviews the capabilities of a plasticity- 
induced crack-closure model and life-prediction 
code to predict fatigue crack growth and 
fatigue lives of metallic materials. Crack-tip 
constraint factors, to account for three-dimensional 
effects, were selected to correlate large-crack 
growth rate data as a function of the effective- 
stress-intensity factor range (AKeff) under constant- 
amplitude loading. Some modifications to the 
AKeff- rate relations were needed in the near- 
threshold regime to fit small-crack growth rate 
behavior and endurance limits. The model was 
then used to calculate small- and large-crack 
growth rates, and in some cases total fatigue lives, 
for several aluminum and titanium alloys under 
constant- amplitude, variable-amplitude, and 
spectrum loading. Fatigue lives were calculated 
using the crack-growth relations and 
microstructural features like those that initiated 
cracks. Results from the tests and analyses 
agreed well. 
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Crack length in thickness (B) direction 
Initial defect or crack length in B-direction 
Defect or void half-height 
Specimen thickness 
Crack length in width (w) direction 
Initial defect or crack length in w-direction 
Boundary correction factor 
Maximum stress-intensity factor 
Overload stress-intensity factor 
Underload stress-intensity factor 
Number of cycles 
Number of cycles to failure 
Stress ratio (Smjn/Smax) 
Notch or hole radius 
Applied stress 
Crack-opening stress 
Maximum applied stress 
Mean flight stress 
Minimum applied stress 
Specimen thickness for through or corner 
crack; half-thickness for surface crack 
Constraint factor 
Global constraint factor from finite- 
element analysis 
Crack extension in c-direction 
Stress-intensity factor range 
Effective stress-intensity factor range 
Small-crack AKeff threshold 
Large-crack AK threshold 
Plastic-zone size 
Flow stress (average of Oys and Ou) 

INTRODUCTION 

The use of damage-tolerance and durability design 
concepts based on fatigue- crack growth in aircraft 
structures is well established (Ref 1 and 2). 
The safe-life approach, using standard fatigue 
analyses, is also used in many designs. In 
conventional metallic materials, crack-growth 
anomalies such as the small-crack effect and the 
various crack-tip shielding mechanisms (Ref 3 and 
4) have improved our understanding of the crack- 
growth process but have complicated life-prediction 
methods. In the new metallic materials, such 
as the aluminum-lithium alloys, crack shielding and 
failure mechanisms are more complex than in 
conventional materials due to crack growth along 
tortuous crack paths (Ref 5). Over the past 
decade, the intense experimental studies on small 
or shori crack growth behavior in these metallic 
materials have led to the realization that fatigue life 
of many materials is primarily "crack growth" from 
microstructural features, such as inclusion 
particles, voids or slip-band formation. 
Concurrently, the improved fracture-mechanics 
analyses of some of the crack-tip shielding 
mechanisms, such as plasticity- and roughness- 
induced crack closure, and analyses of surface- or 
corne- crack configurations have led to more 
accurate crack growth and fatigue life prediction 
methods. 

On the basis of linear-elastic fracture mechanics 
(LEFM), studies on small cracks (10 urn to 1 mm) 
have shown that small cracks grow much faster 
than would be predicted from large crack data (Ref 
3 and 4). This behavior is illustrated in Figure 1, 
where the crack-growth rate, da/dN or dc/dN, 
is plotted against the linear-elastic stress-intensity 
factor range, AK. The solid (sigmoidal) curve 
shows typical results for large cracks in a 
given material and environment under constant- 
amplitude loading (R = Smjn/Smax = constant) 
The solid curve is usually obtained from tests with 
large cracks. At low growth rates, the threshold 
stress-intensity factor range, AKth is usually 
obtained from load-reduction (AK-decreasing) tests. 
Some typical results for small cracks in plates and 
at notches are shown by the dashed curves. 
These results show that small cracks grow at AK 
levels below the large-crack threshold and that they 
also can grow faster than large cracks at the same 
AK level above threshold. Small-crack effects have 
been shown to be more prevalent in tests which 
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Fig. 1 Typical fatigue-crack-growth rate data for 
small and large cracks. 

have compressive loads, such as negative stress 
ratios (Rets 6-8). 

During the last decade, research on small- or short- 
crack effects has concentrated on three possible 
explanations for the behavior of such cracks. They 
are plasticity effects, metallurgical effects and crack 
closure (Ref 3 and 4). All of these features 
contribute to an inadequacy of LEFM and the use 
of the AK-concept to correlate fatigue crack growth 
rates. 

Some of the earliest small-crack experiments were 
conducted at high stress levels which were 
expected to invalidate LEFM methods. Nonlinear 
or elastic-plastic fracture mechanics concepts, such 
as the J-integral and an empirical length parameter 
(Ref 9), were developed to explain the 
observed small-crack effects. Recent reseerch on 
the use of AJ as a crack-driving parameter suggest 
that plasticity effects are small for many of the 
early and more recent small-crack experiments 
(Ref 10). But the influence of plasticity on small- 
crack growth and the appropriate crack-driving 
parameter is still being debaten. 

Small cracks tend to initiate in metallic materials at 
inclusion particles or voids, in regions of intense 
slip, or at weak interfaces and grains. In these 
cases, metallurgical similitude (see Ref 11) breaks 
down for these cracks (which means that the 
growth rate is no longer an average taken 
over many grains). Thus, the local crack growth 
behavior is controlled by metallurgical features. If 
the material is markedly anisotropic (differences in 
modulus and yield stress in different 
crystallographic directions), the local grain 
orientation will strongly influence the rate of growth. 
Crack front irregularities and small particles or 
inclusions affect the local stresses and, therefore, 
the crack growth response. In the case of large 
cracks (which have large fronts), all of these 
metallurgical effects are averaged over many 
grains, except in very coarse-grained materials. 
LEFM and nonlinear fracture mechanics concepts 
are only beginning to explore the influence of 
metallurgical features on stress-intensity factors, 
strain-energy densities, J-integrals and other crack- 
driving parameters. 

Very early in small-crack research, the 
phenomenon of fatigue-crack closure (Ref 12) was 
recognized as a possible explanation for rapid 
small-crack growth rates (see Ref 13). Fatigue 
crack closure is caused by residual plastic 
deformations left in the v-ö!;e of an advancing 
crack. Only that portion of the load cycle for which 
the crack is fully open is used in computing an 
effective stress-intensity factor range (AKeff) from 
LEFM solutions. A small crack initiating at an 
inclusion particle, a void or a weak grain does not 
have the prior plastic history to develop 
closure. Thus, a small crack may not be closed for 
as much of the loading cycle as a larger crack. If a 
small crack is fully open, the stress-intensity 
factor range is fully effective and the crack-growtn 
rate will be greater than steady-state crack-growth 
rates. (A steady-state crack is one in which 
the residual plastic deformations and crack closure 
along the crack surfaces are fully developed and 
stabilized under steady-state loading.) Small- 
crack growth rates are also faster than steady-state 
behavior because these cracks may initiate and 
grow in weak microstructure. In contrast to small- 
crack growth behavior, the development of the 
large-crack threshold, as illustrated in Figure 1, has 
also been associated with a rise in crack- opening 
load as the applied load is reduced (Ref 14 and 
15). Thus, the steady-state crack-growth behavior 
may lie between the small-crack and large-crack 
threshold behavior, as illustrated by the dash-dot 
curve. 

The purpose of this paper is to review the 
capabilities of a plasticity- induced crack-closure 
model (Ref 16 and 17) to correlate and to 
predict small- and large-crack growth rate behavior 
in several aluminum and titanium alloys under 
various load histories. Test results from the 
literature on aluminum alloys 2024-T3 (Refs 7, 18 
and 19), 7075-T6 (Ref 20), LC9cs (Ref 20) and 
7475-T7351 (Refs 21 and 22) and on titanium 
alloys Ti-6AI-4V (Ret 23 and 24), IMI-685 (Refs 23- 
25) and Ti-17 (Refs 23 and 24) under constant- 
amplitude loading were analyzed with the closure 
model to establish an effective stress-intensity 
factor range against crack growth rate relation. The 
effective stress-intensity factor range against crack 
growth rate relations were then used in the closure 
model to predict large-crack growth under a single 
spike overload, an overload and underload, 
repeated spike overloads every 1000 cycles, 
TWIST (Ref 26) and Mini-TWIST (Ref 27) 
loading. Using the closure model and some 
microstructural features, a total fatigue life 
prediction method is demonstrated on a titanium 
alloy under constant- amplitude loading and on 
several aluminum alloys under various 
load histories. The load histories considered were 
the FALSTAFF (Ref 28), Gaussian (Ref 29), 
TWIST (Ref 26) and Mini-TWIST (Ref 27). The 
crack configurations used in these analyses were 
through-crack configurations, such as center-crack 
and compact specimens, and three-dimensional 
crack configurations, such as a corner crack in a 
bar and a surface or corner crack at a semi-circular 
notch. 
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2. CRACK-CLOSURE MODEL 

The crack-closure model (Rets 16 and 30) was 
developed lor a central through crack in a (mite- 
width specimen subjected to remote applied stress 
The model was later extended to a through crack 
emanating from a circular hole and applied a the 
growth of small cracks (Ref 15 and 31) The model 
was based on the Ougdale model (Ref 32). but 
modified to leave plastically deformed material m 
the wake of the crack A schematic of the model is 
shown in Figure 2 Here a crack is growing from a 
hole in an elastic body (Region 1) At the 
maximum applied stress. Smax the material in the 
plastic zone. p. (Region 2) carries the stress. «o0 

The constraint factor, a. accounts for the influence 
of stress state on tensile yielding at the crack front 

Smai Smin 

Crac* up 
eltmept 

■ '"o 
■ ■ ""n - ■ ru\, 

(a) Maximum stress ibi Minimum stress 

Fig 2 Schematic of plasticity-induced crack-closure 
model under cyclic loading 

The flow stress o0 is the average between the yield 
stress and ultimate tensile strength For plane- 
stress conditions, a is equal to unity (original 
Ougdale model), and for simulated plane-strain 
conditions, a is equal to 3 Although ttie strip-yield 
model does not model the correct yield-zone 
pattern for plane-strain conditions, the model with a 
nigh constraint factor is able to produce crack- 
surface displacements and crack- opening stresses 
quite similar to those calculated from an elastic- 
plastic finite-element analysis of crack growth and 
closure for a finite-thicknfess plate (see Ref 33) As 
the crack grows under cyclic loading, residual- 
plastic deformed material (Region 3) is left on the 
crack surfaces During unloading, these surfaces 
contact each other at the minimum applied 
stress. The material in the plastic zone and along 
the contacting surfaces was assumed to yield at 
-o0 (In the original model, the contacting 
surfaces were assumed to reduce the effectiveness 
of the crack and reduce the constraint around the 
crack   front On    the    basis   of    three- 
dimensional finite-element analyses, however, this 
assumption may need to be studied further but this 
is beyond the scope of the present paper) Using 
the contact stresses, the crack-opening stress is 
calculated The crack-opening stress is the applied 
stress level at which the crack surfaces are 
fully open and is denoted as S0 The model is 
able to predict crack-opening stresses as a function 
of crack length and load history     The crack- 

opening stress is then used to calculate the 
effective stress-intensity factor range. AKen< (Ref 
12) In turn, the crack-growth rate is calculated 
using a \Keff-againsi crack-growth-rate relation 

In conducting fatigue-crack growth analyses, the 
constraint factor a was used to elevate the flow 
stress at the crack tip to account for three- 
dimensional stress states At present, the 
constraint factor is used as a fitting parameter to 
correlate crack-growth rate data against \Keo 
under constant-amplitude loading lor different 
stress ratios However tests conducted under 
single-spike overloads seem to be more sensitive 
to state- of-stress effects and may be a more 
appropriate test to determine the constraint factor 

2.1 Effective Stress-Intensity Factor Rang« 

For most damage tolerance and durability 
analyses, linear-elastic analyses have been found 
to be adequate However for high stress- 
intensity factors proof testing and low-cycle 
fatigue conditions linear-elastic analyses are 
inadequate and nonlinear crack-growth parameters 
are needed (see Ref 10) Herein the linear-elastic 
effective stress-intensity factor range developed by 
Elbei (Ref 12) was used and is given by 

AKeff MSmax-S'oMJtc)1'2 F, 

where Smax 's ,r>e maximum applied stress S 0 is 
the crack-open:ng stress  and 
boundary-correction factor 

2.2 Constraint Variations 

F,   is the  usual 

As a crack grows in a finite-thickness body under 
cyclic loading (constant stress range) the plastic 
zone size at She crack front increases At 
low stress-intensity lactor levels plane-strain 
conditions should prevail but as the plastic-zone 
size becomes large compared to sheet thickness a 
loss of constraint is expected This constraint loss 
has been associated with the transition from flat-to- 
slant crack growth as illustrated in Figure 
3 Schi|ve (Ref 34) has shown that the transition 
occurs at nearly the same crack-growth rate over a 
wide range in stress ratios for an aluminum 
alloy tüter   Schirve (Ref 35)   using EiDer's crack- 
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Fig   3 Fatigue crack surface showing transition 
from tensile- to shear-mode crack growth 
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closure concept, proposed that the transition 
should be controlled by AKeff This observation 
has been used to help select the constraint-loss 
regime (see Ref 31). 

In a related effort to study constraint variations 
using a three- dimensional, elastic-plastic, finite- 
element analysis, some results are included here to 
help resolve the constraint-loss issue (see Ref 36). 
The finite-element code, ZIP30 (Ref 37). was used 
to analyze center-crack- tension end bend 
specimens made of a material with an elastic - 
perfectly- plastic stress-strain behavior The 
analyses were conducted on a 2.5 mm- thick sheet 
with various half-widths (w) and a c/w ratio of 0 5 
The crack front was flat and straight-through the 
'hckness The finite-element model (one-eighth of 
the specimen) had six layers through the half- 
thickness with the layer on the centerline of the 
specimen being 0 15B and the layer on the free 
surface being 0 025B The smallest element size 
around the crack front was about 0 03 mm The 
number of elements was 5706 and the number of 
nodes was 7203 The finite-element model of the 
specimen was sub|ected to monotone loading until 
the plastic zone extended across the net section 

Because the current model uses a constant flow 
stress in the plastic zone a global constraint factor. 
(tg was defined as the average of the 
normal stress to flow stress (avy /o0 ) ratio in the 
plastic zone Figure 4 shows a comparison of f«g 
as a function of the normalized applied K level for 
tension and bend specimens The symbols show 
the results from the finite-element analyses for 
various specimen sizes The upper dashed lines 
show the results under plane-strain conditions the 
lower dashed line shows the plane-stress condition 
The global constraint factor was nearly a 
unique function of the applied K level Some slight 
differences were observed near the plane-stress 
conditions (high K levels) These results show that 
the global constraint factor rapidly drops as the K 
level .ncreases (plastic- zone size increases) and 
approaches a value near the Diane-stress 
condition The solid line is a simple fit to the finite- 
element results and shows that the .onstraint-loss 
regime may be defined by a unique set of K values 
under monotonic loading and possibly \Keff under 
cycl« loading    In the cunent model the constraint- 

loss regime is defined by a set of crack-growth 
rates because the transition from flat-to-slant crack 
growth seems to occur at unique rates. This 
assumption also implies that a unique set of AKeff 
values define the constraint-loss regime. 

2.3 Constant-Amplitude Loading 

In Reference 38. crack-opening stress equations 
for constant-amplitude loading were developed 
from crack-closure model calculations for a center- 
crack tension specimen These equations give 
crack opening stresses as a function of stress ratio 
(R), maximum stress level (Smax'oo ) and the 
constraint factor (a) To correct the previous crack- 
opening stress equations for extremely high crack- 
growth rates, a modification was developed in 
Reference 17 The new equations give crack- 
opening stresses that agree fairly well with results 
from the modified closure model These equations 
are used to develop the baseline AKeff-rate 
relations that are used in the life-prediction code 
FASTRAN-II (Ref 39) to make crack-growth and 
fatigue-life predictions A typical comparison 
between the model and the equations for a crack in 
a titanium alloy is shown in Figure 5 This figure 
shows crack-opening stresses as a function of 
crack length for a crack in an infinite plate at low R 
To severely test the equations with a rapid change 
in constraint, ri was selected to be 2 4 for rates less 
than 1E-04 mm/cycie. and a was 1.2 tor rates 
greater than 1E-03 mm/cycle The solid curve 
shows the calculations from the model To use the 
crack-opening stress equations, the R ratio, the 
Smax'oc f^"'10 and the constraint factor must be 
known a priori In this example, the constraint 
factor is unknown as a function of crack length 
Because rates are used to control the constraint 
factor in the model, the crack-growth rate must be 
known to calculate the crack-opening stress The 
crack-length-agamst-cycles results from the model 
were therefore used to determine the rate for a 
given crack length Knowing the rate, then the 
constraint factor is calculated from 

n = r<2 ♦ («i - (i2)[ln(dadN) - In(r2»/[ln(ri) - in(r2)] 

for n < dc'dN < t? where ai and n? are the 
constraint (actors   andrj and r2  are the rates, at 

S, ■«, » \   '., 

Fig    4   Global  constraint   lactors   Irom   three- 
dimensional finite-element analyses Fig   5 Calculated crack-opening stresses from 

model and equations 



the beginning and end of the constraint-loss 
regime, respectively For rates less than n, a = 0.1 
and for rates greater than r2, a = a2- Once the 
constraint factor has been determined, then the 
crack- opening stress is calculated from the 
equations (dashed curve). For constant a regions, 
the results from the equations agreed well with 
the model. Some differences were observed in the 
transition region between a = 2.4 to 1.2, but the 
maximum error in calculating AKeff was only 4 
percent. The small vertical lines indicate the 
corresponding life ratio (N/Nf), in addition to 
indicating regions of constant constraint. 

2.4 Spectrum Loading 

For variable-amplitude and spectrum loading, the 
crack-closure model must be used to compute the 
crack-opening stress history. Some typical crack- 
opening stresses under the Mini-TWIST load 
sequence for a small surface crack in a sir.gle- 
edge-notch-tension (SENT) specimen are shown in 
Figure 6. In the small-crack simulation, an initial 
defect size of aj = 3 urn and cj = 9 urn was used. 
This size corresponds to inclusion-particle sizes 
that initiate cracks in some aluminum alloys (Refs 7 
and 8). Variable constraint was selected for this 
simulation. The constraint factor (a) was 1.8 
for crack-growth rates less than 7E-04 mm/cycle 
and 1.2 for rates greater than 7E-03 mm/cycle. 

'    Mini-TWIST 
Smf " 73 MPo 

Surfac« crock at notch 

Aluminum alloy 
— Closure model 
a = 1.8 to 1.2 

r = 3.2 mm     o: = 3 >*m 
w = 50 mm     c; * 9 fitm 

ty^f0f^ 

\y 
o/t - 1 

1 
0.0 0.2 0.* 0.6 0.8 1.0 

N/N, 

Fig. 6 Calculated crack-opening stresses for small 
surface crack under spectrum loading. 

The figure shows crack-opening stress (normalized 
by the maximum stress in the spectrum) plotted 
against the ratio of applied cycles to cycles-to- 
failure (N/Nf). The predicted cycles to failure, Nf, 
was about 800,000 cycles. These results show 
that the opening stresses start near the minimum 
stress in the spectrum and r>se as the crack grows. 
Crack-opening stresses tended to level off for N/Nf 
between 0.7 and 0 9. The rapid jump in S'o/Smax 
for an N/Nf ratio of about 0.92 was caused by the 
change in constraint from 1.8 to 1.2 at the higher 
crack-growth rates. The surface crack became a 
through crack (a/t = 1) at an N/Nf ratio of about 0.9. 

3. LARGE-CRACK GROWTH BEHAVIOR 

To make life predictions, AKeff as a function of the 
crack-growth rate must be obtained for the material 

of interest. Fatigue crack-growth rate data should 
be obtained over the widest possible range in rates 
(from threshold to fracture), especially if spectrum 
load predictions are required. Data obtained on the 
crack configuration of interest would be helpful but 
it is not essential. The use of the nonlinear crack- 
tip parameters is only necessary if severe loading 
(such as low cycle fatigue conditions) are 
of interest. Most damage-tolerant life calculations 
can be performed using the linear elastic stress- 
intensity factor analysis with crack- 
closure modifications. 

3.1 Constant-Amplitude Loading 

Under constant-amplitude loadinc, the only 
unknown in the analysis is the constraint factor, a. 
The constraint factor is determined by finding 
(by trial-and-error) an a value that will correlate the 
constant-amplitude fatigue-crack-growth-rate data 
over a wide range in stress ratios, as shown in 
References 30 and 38. This correlation should 
produce a unique relationship between AKeff and 
crack-growth rate In the large-crack- 
growth threshold regime for some materials, the 
plasticity-induced closure model may not be able to 
collapse the threshold (AK-rate) data onto a 
unique AKeff-rate relation because of other forms 
of closure. Roughness- and oxide-induced closure 
(see Ref AOj appear to be more relevant in 
the threshold regime than plasticity-induced 
closure. This may help explain why the constraint 
factors needed to correlate crack-growth rate data 
in the near threshold regime, that is, plane-strain 
conditions, are 1.7 to 19 for aluminum alloys, 1.8 
to 2 for titanium alloys and 2.5 for steel. 
However, further study is needed to assess the 
interactions between plasticity-, roughness- and 
oxide-induced closure in this regime. If the 
plasticity- induced closure modei is not able to give 
a unique AKeff-rate relation in the threshold regime, 
then high stress ratio (R > 0.7) data may be used 
to establish the AKeff-rate relation. 

In the following, the AKeff-rate relations for one 
aluminum alloy and two titanium alloys will be 
presented and discussed. Similar proc «dures 
were used to establish the relationships for all 
materials used in this study. The large-crack results 
for 7075-T6 aluminum alloy are shown in Figure 7 
for data generated at two different laboratories and 
at three stress ratios (Ref 20). The data collapsed 
into a narrow band with several transitions in slope 
occurring at about the same rate for all stress 
ratios. Some differences were observed in the 
threshold regime. For these calculations, a 
constraint factor a of 1.8 (nearly equivalent to 
Irwin's plane-strain condition) was used for rates 
less than 7E-04 mm/cycle (start of transition from 
flat-to-slant crack growth) and a equal to 1 2 was 
used for rates greater than 7E-03 mm/cycle (end of 
transition from flat-to-slant crack growth) For 
intermediate rates, a was varied linearly with the 
logarithm of crack-growth rate. The values of a 
were selected by trial-and-error. The solid symbols 
(see upper left-hand portion of figure) denote 
measured rates at the end of transition from flat-to- 
slant crack growth (Refs 20 and 41). It has been 
proposed in Reference 31 that the flat-to-slant 
crack- growth transition region may be used to 
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Fig. 7 Effective stress-intensity factor range against 
rate for large cracks in an aluminum alloy. 

indicate a change from nearly plane- strain to 
plane-stress behavior and, consequently, a change 
in constraint. In the low crack-growth rate regime, 
near and at threshold, some tests (Ref 14) and 
analyses (Ref 15) have indicated that the threshold 
develops because of a rise in the crack-opening- 
stress-to-maximum-stress ratio due to (he load- 
shedding procedure. In the threshold regime then, 
the actual AKeff- rate data would lie at lower values 
of AKeff because the rise in crack- opening stress 
was not accounted for in the current analysis For 
the present study, an estimate was made for this 
behavior and it is shown by the solid line below 
rates of about 2E-6 mm/cycle. The baseline 
relation shown by the solid line will be used later to 
predict small-crack growth rates and fatigue lives 
under constant-amplitude loading. 

Figure 8 shows the AKeif-rate data for corner 
cracks in 10 mm-thick Ti-6AI- 4V titanium alloy (Ref 
23). In these tests, the initial defect size was a 250 
Hm-quarter-circular electrical-discharged machined 
notch. The data correlated quite well with a 
constant  constraint  factor of   1.9.      For  thick 

materials, the loss of constraint, as shown for the 
thin 7075-T6 alloy (Fig 7), may occur at higher 
values of AKeff than those shown for the 
thinner material. Consequently, a constant 
constraint factor was used over the whole rate 
range. The solid symbolr. show the results of 13 
mm-thick compact specimens (Ref 42) tested over 
a wide range of R ratios and down to much lower 
rates than the corner-crack tests. The baseline 
relation (solid line), fit to the corner-crack results in 
the mid-region arid the compact results in the low- 
rate regime, will be used later to predict crack- 
growth rates for tests with spike overloads repeated 
every 1000 cycles. 

The AKeff-rate results for IMI-685 titanium alloy 
compact specimens (Refs 23 and 25) are shown in 
Figure 9. This material was selected because 
"roughness-induced" closure was expected to be 
prevalent. These data also illustrate two difficulties 
with correlating test data using the linear-elastic 
effective stress-intensity factor ranges and the 
plasticity- induced closure model. First, the high R 
ratio results tend to deviate from the low R ratio 
results near the end of the tests. These specimens 
were cycled to failure and the last few data points 
were taken immediately before the specimen failed. 
The maximum stress level for the high R ratio test 
was considerably higher than that used for the low 
R ratio test; and plasticity effects would have been 
greater in the high R test than the low R, 
resulting in higher rates for a given value of elastic 
AKeff- However, fitting the AKeff relation to the low 
R ratio results (solid line) will allow accurate life 
prediction for both the low and high R ratio 
conditions, because the high R ratio tests are 
predicted to fail a! a AKeff value of 23 
MPaVm (fracture toughness Kc = 80 MPaVm). 
Thus, accurately modelling the upper tail of the 
high R ratio test would not have greatly affected the 
number of cycles to failure. The second difficulty 
with the model occurs in the threshold regime and 
shows that threshold data (load-reduction tests) 
begin to form bands of data as a function of R, 
especially for materials where roughness-induced 
closure may occur. The sieady-state crack- 
opening stress equations do not account for any 
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load - reduction effects nor roughness - induced 
closure which is expected to be dominate in the 
IMI-685 alloy. Because cracks in the high R ratio 
tests are expected to be fully open, these results 
were used to determine the AKeff relation at the 
low rates. The baseline relation will be used later to 
make crack growth predictions under repeated 
spike overloads. 

3.2 Spike Overload and Underload 

For variable-amplitude or spectrum load crack- 
growth predictions, the constraint factor should also 
be verified by some simple tests, such as crack 
growth after a single-spike overload. Constraint 
factors appear to be more sensitive to crack-growth 
delays caused by single-spike overloads than to 
crack growth under constant-amplitude loading at 
different stress ratios. Higher values of a will cause 
less load-interaction effects, such as retardation or 
acceleration, than lower values of constraint. Thus, 
spike- overload tests may be more useful in 
establishing values of a than constant- amplitude 
tests. However, the constraint factors determined 
by spike- overload tests should also correlate 
constant-amplitude data (see Ref 43). 

A comparison of measured and predicted rates for 
large cracks after a single spike overload and after 
a single spike overload followed by an 
underload are shown in Figure 10. Cracks were 
grown under constant-amplitude loading (R = 0.4 
with «max = 19-7 MPaVm) to a crack length of 12 
mm. In one case, a single overload, KOL = 31 4 

MPa\'m, was applied and then the test 
was returned to constant-amplitude loading The 
second case was identical to the first case, except 
that an underload K(JL = -3.9 MPa\m was 
applied immodiately after the overload. Two 
methods were usea to measure crack length and 
rates in the 7475 alloy (Ref 22): the direct-current 
potential method (solid symbols) and the scanning- 
electron microscope (open symbols). The predicted 
results using the closure model with a = 1.9 
(curves) agreed well with the test results, especially 
for the overload-underload case For the overload 
case, the experimental rates did not appear to 
stabilize at the pre-overload raies as quickly as the 
predictions.     These  results  indicate  that  the 
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Fig. 10 Measured and predicted rates after an over- 
load and overload-underload sequence. 

constraint factor of 1.9 is appropriate for these 
conditions. But overloads at higher KOL values 
would be expected to cause some loss 
of constraint (lower«). Under these conditions, the 
analyses using an u = 1.9 would be expected to 
predict higher rates and less retardation than 
the tests. Thus, variable constraint may be needed 
to predict the behavior. 

3.3 Repeated Spike Overloads 

Figures 11 and 12 show measured and predicted 
AK-rate results for repeated spike overloads 
applied to compact and corner-crack specimens 
made of IMI-685 and Ti-17 titanium alloys, 
respectively. These tests were conducted under 
constant-amplitude loading (R = 0.1) with an 
overload (POL = 1 7 Pmax) applied every 1,000 
cycles (Refs 23 and 24). The overall trends in 
the predicted results for the IMI-6d5 corner-crack 
configuration agreed well with the test results at low 
rates. However, the predicted rates tended to be 
somewhat high in the middle and upper ranges. 
Although the predicted results for the compact 
specimen agreed fairly well with the test data, 
the test results on each individual specimen were 
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Fig. 11 Measured and predicted rates for IMI-685 
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not modelled very accurately. The measured rates 
on one of the compact specimens in the beginning 
of the test were much lower than predicted. The 
oscillating behavior in the predicted results at high 
rates was caused by averaging rates over less 
than 1000 cycles, thus accelerations and 
retardations during and after the spike overload are 
being shown. The comparison of measured and 
predicted rates on the Ti-17 alloy agreed quite well 
(Fig 12). A comparison of predicted-to- test lives 
(Np/N|) for these titanium alloys and Ti-6AI-4V, for 
the two crack configurations, ranged from 0.57 to 
2.12 but most results were within about 20 percent 
of the test results. These results are presented 
and discussed in Reference 24. 

3.4 Spectrum Loading 

Wanhill (Ref 18) conducted spectrum crack-growth 
tests on center-crack tension specimens made of 
2024-T3 Alclad material in two thicknesses (B = 1.6 
and 3.1 mm). Tests were conducted under the 
TWIST spectrum clipped at Levels I and III with 
Smf = 70 MPa. The initial crack starter notch half- 
length was 3 5 mm Comparisons are made 
between experimental and calculated crack length 
against flights for Level III; and experimental and 
calculated crack length against crack-giowth rate 
for Levels I and III. 

Crack-length-against-flight data on ihe 3.1 mm- 
thick specimens tested under the TWIST (Level III) 
loading are shown in Figure 13. The solid curve 
is the calculated results from the closure model 
with the variable-constraint condition (n = 2 to 1) 
using the baseline AKeff-rate relation 
and constraint-loss regime established in 
Reference 44. To illustrate why the variable- 
constraint conditions are necessary, example 
calculations were made for constant constraint 
conditions of either a = 1 or 2 (dashed-dot 
curves). The model with a low constraint condition 
(a = 1) predicted much longer flights to a given 
crack length than the test data Conversely, 
the predicted results for the higher constraint 
condition (a = 2) greatly under predicted the 
tiehavior except in the early stages of growth 
Thus, the placement of the constraint-loss regime 
is crucial to making accurate crack- growth 
predictions under aircraft spectrum loading. 

Figure 14 shows a comparison between 
experimental (Ref 18) and calculated results of 
crack length against dc/dF under tha TWIST 
loading (Levels I and III) for Ihe 1.6 mm-thick 
specimens. The crack-growth rate, dc/dF, is 
the change in crack length per flight. For both 
levels, the closure model was able to calculate the 
initial rates quite accurately (curves). 
Calculated results under Level III agreed with the 
test results over nearly the complete range of crack 
lengths. The calculated results under Level 
I, however, began to deviate from the test results 
after a o'ack length of about 12 mm. The ratio of 
calculated life to test life from an initial crack length 
of 3.5 mm to failure was 0.61 for Level I. 
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Fig   13 Measured and calculated crack-length- 
agamst-cycles under TWIST spectrum loading 
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Fig. 14 Measured and calculated rates for large 
cracks under TWIST spectrum loading. 

4. SMALL-CRACK GROWTH BEHAVIOR 

In the following, comparisons are made between 
measured and predicted crack- shape changes and 
crack-growth rates for small surface cracks at a 
notch in 7075-T6 aluminum alloy under constant- 
amplitude loading. Comparisons are also 
presented on measured and predicted rates for 
small corner cracks at a notch in LC9cs clad 
aluminum alloy under both constant-ampiiti'de and 
Mini- TWIST spectrum loading The plastic-replica 
method was used to measure the initiation and 
growth of the small cracks and these results are 
presented and discussed in Reference 20 

Figure 15 shows the crnck-depth-to-crack-length 
(a/c) ratio plotted agains. the crack-depth-to-sheet- 
half-thickness (a/t) ratio for the 7075-T6 
alloy. Measured a/c and a/t ratios (open symbols) 
were determined from an sxperimental method 
where specimens were broken at various stages 
during their life Results are shown for three stress 
ratios and for the Mini- TWIST spectrum loading 
The spectrum has an overall stress ratio 
(minimum to maximum stress in the spectrum) of 
-0 23 The solid symbols show the sizes and 
shapes of inclusion-particle clusters or voids which 
initiated cracks (average size was aj = 3 urn and cj 
= 9 urn). 

The curves in Figure 15 show the predic'ions for 
the different stress ratios using the average 
inclusion-particle  cluster size    In the analyses. 
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Fig. 15 Measured and predicted surface-crack 
shape changes in a bare aluminum alloy. 

the crack-growth rate relations for da/dN was 
different than that for dc/dN as a function of AKeff 
(see Ref 20). The tests and analyses show that 
small surface cracks tend to rapidly approach an 
a/c ratio of about unity for a large part of their 
growth through the thickness. 

Comparisons of experimental and predicted crack- 
growth rates for small cracks under R = -1 loa 'ing 
are shown in Figures 16 and 17 for 7075-T6 
and LC9cs alloys, respectively. For the 7075-T6 
alloy, small surface cracks initiated along the notch 
surface from inclusion-particle clusters or voids. For 
the LC9cs alloy, small corner cracks initiated in the 
cladding layer from slip-band formation (cladding 
thickness was 50 to 70 urn). Even though the 
range in maximum stress levels used in each test 
series are indicated on the figures, no stress-level 
effect was apparent in the test data and all data 
have been grouped together. However, a range in 
stress levels was used in the analyses to show 
some expected trends with stress level. The dash- 
dot line show the large crack (dc/dN) results and 
the dashed line show the AKeff-rate curve used in 
the analyses for da/dN. The solid curves show 
the predicted results using an initial defect size 
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Fig. 16 Measured and predicted small surface 
crack-growth rates in a bare aluminum alloy. 

(3 by 9 by 0.5 urn for 7075- T6; and 77 by 77 by 0.5 
urn for LC9cs). All predictions start on the AKeff 
curve because cracks at small voids were assumed 
to be fully open on the first cycle and AK is equal to 
AKeff. For the 7075-T6 alloy (Fig 16), 
the predictions from the model did not «gree very 
well with the test data for Smax = 80 to 95 MPa in 
the near threshold regime. In Reference 20, part 
of this discrepancy was attributed to an influence of 
the acetone used in taking plastic replicas of the 
notch surface. Fatigue lives for specimens with 
replicas were much longer (about a factor of 4) 
than those without replicas. However, the 
predictions did agree with the test data in the mid- 
and high-rate range. At 70 MPa, the predictions 

show that the crack would be nearly arrested 
(minimum rate) at a AK-value of about 2 MPaVm. 
At this point the AKeff was slightly greater than 0.9 
MPaVm, the effective threshold for small cracks. 
(Note that the endurance limit for R = -1 was about 
70 MPa, see Reference 20.) 

For the LC9cs alloy (Fig 17), the predictions from 
the model agreed well with the test data for Smax = 
70 to 90 MPa in the early stages of crack growth. 
The predicted rates seem to be slightly low in the 
mid- to high- rate range. At 50 MPa, the 
predictions show a large drop in the crack- growth 
rates, similar to the 7075-T6 alloy. The crack 
would have been predicted to arrest if an applied 
stress of 40 MPa had been used. Again, the 
effective threshold for small cracks was assumed to 
be 0.9 MPaVm and the endurance limit was about 
40 MPa. 
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Fig. 17 Measured and predicted small comer crack- 
growth rates in a clad aluminum alloy. 

The measured and predicted small-crack growth 
rates for the Mini-TWIST loading are shown in 
Figures 18 for the LC9cs alloy. Here the 
"average" crack-growth rate is plotted against the 
"maximum range" stress-intensity factor. The 
average crack-growth rate is the change in crack 
length per replica interval (about 30,000 cycles) 
and the stress-intensity factor range is computed 
using the maximum and minimum stress levels in 
the Mini-TWIST spectrum The predicted values 
were determined in the following way. Crack length 
(2a) and cycle results were taken from the analysis 
at nearly equal cyclic intervals between the initial 

*J 
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crack length and breakthrough (a = t). From these 
values of crack length and cycles, the average rate 
and maximum range stress-intensity factor were 
calculated. The predicted rates (solid curve) 
agreed well with the experimental data for both 
small- and large- crack behavior. 
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Fig. 18 Small corner crack-growth rates in a clad 
aluminum alloy under spectrum loading. 

5. FATIGUE-LIFE PREDICTIONS 

At this point, all of the elements are in place to 
assess a total fatigue- life prediction methodology 
based solely on crack propagation 
from microstructural features. In this approach, a 
crack is assumed to initiate and grow from a 
microstructural feature on the first cycle. The 
crack- closure model and the baseline AKeff-rate 
curves are used to predict crack growth from ihe 
initial crack size to failure. Comparisons are made 
with fatigue tests conducted on the single- or 
double-edge-notch tension specimens. Results are 
presented for three aluminum alloys and one 
titanium alloy under either constant-amplitude or 
various spectrum loadings. 

5.1 Constant-Amplitude Loading 

Fatigue life (S-N) data for 7075-T6 aluminum alloy 
are shown in Figure 19 for constant-amplitude 
loading. A symbol indicates a failure and a 
symbol with an arrow indicates that a test was 
terminated before failure.   In the analysis, the initial 
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Fig. 19 Measured and predicted fatigue lives for 
aluminum alloy SENT specimens. 

crack size was a; = 3 urn, q = 9 urn and b = 0.5 
Urn (defect or void half-height). This crack size is 
the average inclusion- particle or void size that was 
measured at actual crack-initiation sites. The 
effective stress-intensity factor range against rate 
relation used in the analysis is given in Reference 
20 and (AKeff)th was assumed to be 0.9 MPaVm. 
Using the life-prediction code (Ref 39), predictions 
were made for constant-amplitude loading. The 
solid curves show the predicted number of cycles 
to failure. The predicted lives were in reasonable 
agreement with the test lives. In addition to 
predicting fatigue life, the analysis methodology 
was also able to fit the endurance limit as a 
function of stress ratio. 

Fatigue tests were conducted on TI-6AI-4V titanium 
alloy double edge notch tension (DENT) specimens 
in the AGARD Engine Disc Cooperative Test 
Programme (Ref 24). These results (symbols) are 
shown in Figure 20 for two fan disc forgings. To 
make fatigue life calculations, the baseline AKeff- 
rate relation, shown in Figure 8, was used to 
calculate the life of the titanium specimens. 
Because no information on crack-initiation behavior 
was given in Reference 24, life calculations were 
made on initial crack sizes that would bound the 
experimental data, like the equivalent-initial-flaw 
size (EIFS) concept (Ref 45) The solid curves 
show the calculations for an initial semi-circular 
surface crack of aj = 5 and 25 urn at the notch root. 
The solid symbol on the stress axis denotes where 
the net-section stress is equal to the ultimate 
tensile strength. Because of the notch 
configuration, notch strengthening is expected and 
the upper plateau is an estimate for the maximum 
net-section stress based on the results from the 
finite-element analyses (see Fig 4 at the high K 
levels). In a microstructural analysis, Wanhilland 
Looije (Ref 46) found that the primary a-grains 
were about 10 urn in diameter and the transformed 
and aped ß-giains were about 20 urn in diameter 
for these fan disc materials. Further study is 
needed on these materials to see if cracks of these 
sizes would be present early in life or to see if Ihe 
baseline curve (Fig 8) is appropriate for small 
cracks. For low AKeff values, small cracks in the 
titanium alloys may grow faster than large cracks, 
as observed by Lanciotti and Galatolo (Ref 47). 

Ti-6AI-4V (R«f 24) 
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5.2 Spectrum Loading 

Exper .mental and predicted results for fatigue t. :. 
conducted on 7075-T6 bare and LC9cs clad £.; „y 
specimens under the Mini-TWIST spectrum are 
shown in Figure 21. These tests were conducted 
on SENT specimens (Ref 20). The solid ano 
dashed curves show predictions for each alloy 
using the initial defect sizes shown. The defect 
size Tor 7075-T6 was the average inclusion- particle 
size that initiated cracks, whereas the initial crack 
size for the clad alloy LC9cs was somewhat larger 
than the cladding-layer thickness (50 to 70 urn). 
The predicted lives were in reasonable agreement 
with the test results (symbols) but the predicted 
lives tended to fall on the lower bound of the test 
data. 
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• Clod LC9cs 
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10= 10° 
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Fig. 21 Measured and predicted fatigue lives for 
SENT specimens under spectrum loading. 

6. CONCLUDh     REMARKS 

The "plasticity-induced" crack-closure model was 
used to correlate large- crack data on several 
aluminum and titanium alloys under constant- 
amplitude loading. A constraint factor, which 
accounts for three-dimensional state- of-stress 
effects, was used in determining the effective 
stress-intensity factor range against rate reiations. 
These relations were then used to predict large- 
:rack growth under variable-amplitude and 
spectrum loading. Comparisons made between 
measured and predicted small-crack growth rates 
in two aluminum alloys showed that the closure 
model could predict the trends that were observed 
in the tests. Using the closure model and 
some microstructural features, such as inclusion- 
oarticle sizes and cladding- layer thickness, a total 
iatigue-life prediction method was 
demonstrated. Fatigue life of notched specimens 
made of three aluminum alloys were compared with 
• edicted lives under either constant-amplitude or 
. oectrum loading. The predicted results were well 
within a factor of two of the test data. Fatigue lives 
for Ti-6AI-4V titanium alloy could also be bounded 
by using initial crack sizes of 5 and 25 urn in the 
life-prediction method. 

Further study is needed to determine constraint 
variations along fatigue crack fronts in various 
materials and thicknesses. These constraint 
variations are needed to improve life predictions 
under aircraft spectrum loading, especially for thin- 
sheet materials. At low rates, the development of 
the large-crack threshold and its significance for 
design life calculations also needs further study. 
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Comparisons of experimental and predicted fatigue 
lives of notched 2024-T3 aluminum alloy sheet 
specimens under FALSTAFF, Gaussian and 
TWIST load sequences are shown in Figure 22. 
These tests were conducted on SENT specimens 
(Refs 7 and 19) but they were cycled until a crack 
had grown across the full sheet thickness instead 
of failure. The predictions were made using an 
initial crack size that was the average inclusion- 
particle size that initiated cracks. The predicted 
lives agreed well with the test data. 
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1. St'MMARY 
i rack growth predictions lor through anil corner cracks in 
"'(ITS |<>S| plate under constant amplitude loading and 
corner cracks under two \anablc amplitude spectra were 
made using a 'black box' crack closure program    The results 
were then compared with experiment and various 
parameters adjusted to p\c the best match to the 
experimental results    Die optimum parameters chosen will 
he used lor subsequent blind predictions to be nude on this 
material and different but related spectra 

2. INTRODUCTION 
I se o| track growth prediction programs is no longer 
restricted lo the developers o! such programs and those (hat 
have many years ot experience using them    I hex are 
Ircquently used as 'black boxes' by engineers whose 
expenence may be limited lo a university course on the 
sub|eel   It was Iherelore considered useful to take a 'black 
box' program and determine how well a relatively 
ine\|vnenced ttser might be able to predict experimental 
results 

Uns was done as part of the < aiiadian coninhution lo the 
lollow on IK THIPX Structures and Dynamics Panel 
( ollahoratiU' Program 8 2. \ ahdation ot I raeturc 
Mechanics Models lor Application in a Damage lolerance 
Assessment 

2.1     Background  to tht   Program 
\l the September P*K* meeting ot the IN IV* subgroup ol 
I he Technical Cooperation Program (T\'( P). it was 
suggested that a worthwhile collaborative exercise might 
evolve Irom application ol various track propagation 
models |o a material with a well defined set ol eonstanl 
amplitude data hav ing equivalent data under variable 
amplitude loading     Accordingly, the I rated kingdom 
prov ided constant amplitude crack growth data lor several 
dtltcrcnl materials and the results o| crack growth tests 
under two variable amplitude spectra, I'W 1ST <1) and 
I AI.SI Ml l2)   Seven participants then produced crack 
growth predictions by a method ol their choice without 
reference lo the variable amplitude loading results    I tiesc 
predictions were reported in keterence * and showed that 
liic ratio ol predicted to measured lives ranged I pun about 
0 1 to 25 

\n analyst's ol these results (4) concluded that analyses 
which are not supported by cx|>emiienta! calibrations may 
lead to serious errors and listed a large number ol factors 
which had a major influence on the au uracy   1 hese ranged 
tmm the level of cvjiK'Trcnicc of the analyst to the 
retardation nnxlel and choice of parameter v allies    I he 
report recommended a new program which would tonsisl of 
both experimental and analytical phases, where the 
analytical techniques could first he calibrated h\ 
comparison with test results and then used to predict 
additional test results in (he second phase without 
know ledge ol these results    I hese lest results would be lor 
diltcrcnt stress levels and sjieclra typical ol tu Heel 
v ariahons 

1 nderlhe I KP Ml P X Structures and Dynamics Panel I IK 
2 (Validation ot I raciuie Mechanics M«>dcls |or 
\pphcation in a I >amagc lolerance  \SSCSMIICIU). the 

I nited States Air I oice agreed to supply crack growth data 
and the results ol constant amplitude and spectrum loading 
tests tor the first phase, with additional results lor related 
spectra being retained tor the second phase l*ar'ictpants in 
the memher countries were requested lo prov ule the results 
from the first phase predictions prior to proceeding to the 
second phase This rc|x>n details the Canadian results tor 
the first phase 

2.2 Supplied   Data 
The material data supplied for this program was in ihe lorni 
ol da dn versus delta k data originating Irom tests ,it stress 
ratios iK valuesj of   0 5.   0 1.0 1. and 0 5. lot "tr5 lo5l 
aluminum    I he tests were conducted on both compact 
tension and centre cracked tension spec.mens lot positive 
values of k. and on centre cracked tension specimens tor 
negative values ol K    I he data was supplied on an IHM 
compatible floppy disk    VIso supplied were two variable 
amplitude spectra, corresponding to stress spectra tor a 
typical lighter and a typical Iransport aircrall lower wing 
skin loadings 

2.3 Predictions   Required 
I'hrec distinct series ot predictions were required, with 
stress ami geometry variations within each series    Series 1 
predictions were for constant amplitude loading ol a panel 
with a through crack at a hole    I he initial crack dimension, 
the through stress on the panel and the stress ratio varied, 
with I t test configurations in total   I or this series  the 
predicted lite ami the eratk length at lailure were requested 

I he second series ol piediciioiis were tot constant 
amplitude loading ot ,i panel with a torner enuk in a hole 
Ihe initial trat-k dimensions  the th.io.iiah MHAS ami ihe 
stress ratio varied, with " ioriginations in total    lot ihis 
series the predicted hie. the cr.wk length at lailure. Ihe 
■.rack asjKel ratio at three ua<_k si/es anil the craik length 
and number ol cycles to transition (when the aack lip 
along the bore of Ihe hole teaches the back surface of the 
plate) were icquired 

1 he thud series ol predictions were lot the same geometry 
as the second series  but rai.de.! variable amplitude loading 
I w.i iiormah/cd spectra were supplied, denoted "lighter' 
and "transport" spectra    I he spectra were also supplied m 
counted versions  although lew details were given on the 
counting method othei than il was a i o,mhination i*.t 
rainllow and range pan loimtmg    1 oi this HIUS, 

predictions were requeued lot limes to |atlwe and through 
the thickness penetration, (lie traek shaiie aspect ratio al 
llmkness penetration and Ihe eriliiat crack size al lailure 
I luce predictions were required lor ihe liglltei s|K'ctruni and 
Inc lor Ihe transpiri ^[Ht mini 

• 
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3.   (RACK GROWTH PROGRAM 

3.1 Program 
The program used lor she predictions was a proprietary 
program supplied with a user's manual hul little 
documentation of the program 

3.2 Crack Growth  Model 
lite crack growth model used in the program is based on the 
contact stress model o| Dill and Sail {>,(>)   This is based on 
the evaluation ol the stress intensity caused by crack 
surface contact and assumes that crack probation is 
driven by an effective stress intensity range    An analysis 
ol ctack surface displacements during loading and 
unloading is used to determine the permanent plastic 
deformation k-lt in the wake ol a growing crack and the 
contact stresses caused by the interference t>t these 
deformations are calculated   The effective stress intensity 
range is then found by subtracting the stress intensit) 
caused by the contact stresses from the applied stress 
intensity range (5)    I he moilel can account tor retardation 
following one or multiple overloads and acceleration 
following underloads K>> 

3.3 Parameter a 
\Hhough it was originally used to account lor the slate of 
stress (plane stress or plane strain or somewhere h.lwcen). 

the parameter u used in the model is described in the user's 

manual as 'a parameter used to determine the amount of 
crack retardation' and is used in practice to tune the model 

I he value of it lies between   I and -1. with a value of 0 
generally used initially 

3.4 Material   Property   Data 
I he piograinwas supplied with material data hies toi 
several dillcrent materials but also allows the user to input 
additional material properly data files   Since material 
property data had I veil supplied with the lest data and input 
ol material data often leads t«> problems ol prediction 
accuracy, il «as decided to use the supplied data in this 
escrctse 

negative the formula becomes 

w here 

rfftr      K, \<*\  *\. 

at a value ol K    0. and \ and M arc constants 

Hie program calculates an ecjiuv alent da tin v s AK^.j j table 

trom the input da dn vs AK at R <i by adjusting the vlala 
using the I actor eil ki    I he data is also adjusted by   Kc, the 

critical stress intensity and the logarithm of the data is 
taken to allow linear interpolation between data points 
The corresponding equations have the form 

tkl d,Hahular    U,*kli' dnR 0 ■* (Kc   AK) K ' 

and 

\l\.||    log<AK ■ 11    ellkrn 

3.6 Stress   Intensity   Solutions 
Stress iiiteiisiH solutions lor common i»conielrte.s .ire IMIIII 

into the program and these were the stress inlcn\i!> 
solutions used in ibis invesligatnin 

3.7 Spectrum   Input 
I»Kids are input to the program .is ;i series <>t nt>rm;ili/ed 
maxima and minima and nunikr ol ».ycles oil thai particular 
pair o\ load levels    I he user's manual indicates that all 
v ariable amplitude spevtra should \\ unintcd to eliminate 
nijc elleetive large tycle being mnsiidcrcd .is ;i series oil 
small cycles    tl also recommends hltuking the spec I r urn lo 
reduce compulation tune 

4.    PREDICTIONS FOR THROl Gil ("RACKS 
(CONSTANT   \MPI III DE) 

« 

• • 

i he program retjuircd crack growth data at a stress ratio n| 
zero and the following material properties 

Modulus n| | laslle 'y 
I'mssoiis Ratio 
' yclic Proportional I ■ mil 
Cyclic 0 2'' ( 'ilset 'l kid Stress 
MiMlotomc (I Z'"' t "Itsel Yield stress 
1 Itimale Strength 
I Ibmatc Strain 

< ritieal Stress Inlensit\ I aeloi 

3.S     ' rogram  Treatment  of the  da/dn  Kile 
I or constant amplitude loading, lhe elleetive minimum 
slress intensity is primarily a function • '! stress ratio  k 

and I lie parameter n    I lie minimum el lee toe si less 

intensity. K|nin L.|| , .it a positive value "I K is talcttlak'd 

Sm n ell \r*\., \ lr ik  .(l| 

where \f is a I unction «»I K, \,f is a lunctionol the ratio ol 

cyclic to monotiuiic yield stress, \(( is a Inaction ol u and 

K,)i;n is the stress intensity based on the peak load   II K is 

4.1      Selection   of   Material   Property   Data 

4.1.1 ( 'hataiteii/athMi n|  Mipphcd I i.H.i 

I In. supplied diit,i consisted nl da du vs AK data Im lesl 
spcu mens at \ aimils v alues ml K    I luve data Wen 
ye nc rat cd by the Wright I aboraton usint' untre iratkcd 
tension and compact tension lest specimens niaehiiied 
Ironi "oTs \t,S) alufiiinuin    I he data were plotted and 
best til' curves wen  manually di.iwn In III the data 
prodlk IMÜ three enncs. one caell lot K     " ^   k   II I. ,ii;id 
K   ') s    SMKC the data hu \<    d I t oust sled «»( <ml\ lun 

tests. Uah al low AK laitgcs, lliis d.ila rl was noi utili/eil al 

(his stage    I he nn-jinal data .\m\ rcsullling i noes arc 
tlhisti.iicd tn I rgurc'S I thmtiL'li * 

4.1.2 ' omeiiSMvii .i| i "raclL ' m.utli Data 
' ine re<|iiirement lor the mad rial data hie required a* input 

b\ the [trograni is tabular da dn versus \K data lor a slress 
ratio i>| k  o   | Ins tan IK ohuined Irorn I be supplied da dn 

versus AK data a! noil /em \ allies ol K thrnuuh 
manipulation ol the eipiali-ms piesente<l in sei (ton  * 5 
I he 'best lit' lines to llie supplied data were lonverted to 

l<  II data using these equations lor values ittunl   I. 0 and 
'i resjvilnelv      \   lvs| lit'k   " nine was drawn through 

•      • 



3-3 

each sei ot data manually    \ value ot I was assumed lor the 
ratio ol exche 0 2'? ullscl yield stress    mount unit (I 2't 
oil set yield stress since this value «as not supplied and it 
had little effect on the position of the cones 

Since there was little di He rente in the spread ol the data at 

dillerent k ratios lor the ditlcrent values of u, the 'best lit' 

line at u   0, as shown in Iigure 4, was used in subsequent 
analyses 

4.1.3 < ontpanson ol Input Data with Raw D-ata 
In order to sec how well this K 0 curve titled the raw data, it 

was transformed Kick to da dn v s AK and plotted over the 
raw data at K     0 5, U I and 0 5 as shown in I igures 5 to 7 
I lie program data lor 7075 17.* and T""f» plate and 176 sheet 
are also shown lor comparison 

< me additional data point was added to the curve at the 
lughc: growth rates hecause the program Ion linearly 
extrapolates higher growth rales Irom the last two points 
These po.nls were made to give a similar slojK' to the 
program data lor the other "<FS alummums    I he selected 
curve tils the data at K  0 I quite well hut overestimates the 

growth rates al high AK at k   0 5 and underestimates the 
same range at R 0 5    It appears (hat the threshold lor the 
negative k values is also overestimated    The thresholds tor 
the three 7075 tiles supplied with the program are all 
similar and show heller agreement with the negative K data 
The 17.* ami I ~*o sheet data also show better agreciuent 
with the dat.i at the higher growth rates 

\ comparison ol the lour crack growth curves at k 0 is 
shown in I igure X    I he IKSI in |me follows the I "'» plate 
data al the higher growth rates and the I ~< data at 
intermediate rates and shows ;i higher threshold    I he 
program data tor the 7(F5 I ~V> data sets also lend toward 

the critical stress intensity al a growth rate ol  1(1 - inches 

per cycle    I he best tit line, however, has a AK ol only 

about 40 ksi villa at a growth rate ol |() - nahes per cycle 
compared to a critical value "| S| f. fc,si \in 

4.1.4 \dditional Material Property Data 
I he program material tiles also contain eight material 
properties describing other pin steal properties ol the 
material as detmed in SCLIIOII V" 4    I he values (or modulus 
ot elasticity and IVnsson's ratio were assumed to be the 
same as tor the existing program material data hies lor 
"(PS aluminum, while the mom »tonic 0 2'r< otlset Meld 
strength ami the critical stress intensity were taken as the 
values supplied with the I"!'< I'data    The cyclic 
proportional limit and the ultimate strength and strain are 
not used in the analysis lor the particular geometry and 
conditions used for these predictions and nominal \allies 
were therelore used   ("oilllieling data was found on the raho 
o| cyclic lo monoionie yield stress  the ratio was therelore 
assumed to be I    i he maler?al projXTly values were lluis 

\Uhilus ol I lastKity HKtOO ksi 
I'oissou's   Kaiio (MM 
Cyclic Proportional limit frf)   ksi 
( yclic 0 2'f i 'Itset Yield Stress 7'J  ksi 
Monotonie (" 2'J ( Hket Yield Stress     ""> ksi 
I Itimate Strength KK ksi 
I Inmate Strain 0 02 
Critical Stress Intensity I actor "si h ksi vin 

4.2     Spectrum   Preparation 
The program considers the stress intensity to be constant 
during application ol a block, based on the geometry al the 
starl ol the block    It is therelore important thai (he block 
length not be very long   The spectrum was therelore input 
as a block ol 10 cycles with a maximum ol land a 
nuninuim equal to (he R v alue tor ihe required prediction 
Since the program outputs hours rather than number ol 
cycles, a block was de lined as 1 hour    The number ol cycles 
could then k obtained by multiplying Ihe hours by 10 

4.*      Results 
The number ol cycles io (allure and the linal crack lengths 
predicted using ihe material data input ol I igure H and a 

*alue ol *< ol Oare shown m I igures Valid Idas three- 
dimensional plots o| the ratios *>f predicted to lest lives and 
track lengths respectively, while I igures 11 and 12 show 

similar results lor values ol <t ot   I and - I respectively 

( omparisitti ol I igures 9, I 1 and 12 shows (hat using a 

value ol u ol 0 produces slightly more consistent results 
over the range ol R and siress level and I igure 10 shows 
thai there is good correlation with linal crack length lor an 

u ot 0   However, it is apparent from I igure l) that the lives 
are underestimated as the k ratio is reduced and the stress 
level is increased    I his implies that the crack growth curve 
is overestimating Ihe growth rales at Ihe higher values ol 

AK and al Ihe lower values ot k    1 he curve Iherelore needs 

to be shitted at higher values ot AK toward the curves tor 

the T~V< sheet material supplied with the program 

In investigate the sensitivity to the growth rate «.urvc. 
predictions were obtained lor ihe three "IPS nialenal data 
tiles in the program    I he Una! crack length predictions 
were a lunciion primarily ol the critical stress intensity 
assumed, being much lower tor the I "'» plate which has a 
ninth lower ■ rilital stress intensity     I his is shown in 
1 igure I * which shows the ratio ol predicted to measured 
linal crack lengths as a function "I critical siriss mtinsitv 
In terms o| hie prediction, both the I *M and I "'< sheet data 
which show similar growth rates, particularly ,ii higher 

values ol AK. gave very gi*>d predictions., while Ihe 1 "/> 
plate data, which gave a similar c urve to the derived I f>S 1 
dala, showed a ■annlat stress dc|>eiidencc to the icsiilts 
obtained with the supplied material data and generally poor 
agreement with lest 

I'he derived material curve lor the I0S| material was 
therelore adjusted so ihal it tollowed the Ho sheet dala al 

higher values ol AK as shown m I iL'tirc 14 and the 

predictions were rc|xated (or an <t o| 0    I he results are 

shown tn 1 igure I > lor lite and I igure I'- tor i rack length 
\greenienl is eve el lent over the whole ra;ngt ol k and 

stress, with a mean prediction rain* ol  I OS and a standard 
deviation ol 0 14 

5.    PREDICTIONS  FOR Sl'RFAf"K «RACKS 
(CONSTANT  AVIPIIIIDF. 

5.1     Input   Data 
I he mod Hi cd material data lor the I 051 material shown in 

1 igure 14 was used as the material input and the spectrum 

was i up ill .is in Sei lion 4 2     1 he parameter »i was sei to -0 

«) 

Ihe program option tor an edge crack al the edge ol a hole 
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was used hut it should he noted that the program ami "ITC V 
nomenclature lot (he inn crack directions (through the 
thickness and across (he plate) are reversed   the ITCI* 
nomenclature is used in this report 

5.2      Results 
I he results tor the second series ol predictions gave a mean 
predicted hie to lest lite ol (>'>.* with a standard deviation 
off) 20   The results tor total tile, tile to penetration, I'mal 
crack length and crack sliapc at various crack lengths arc 
shown in I inures 17 lo 20   I igutes 17 and 18 show that 
(he lotal lives ami lives to penetration follow a ver\ 
similar pattern, with less accurate predictions at a stress 
ratio ol  0.5 and general!) lower prediction ratios tor the 
higher stress levels    I'he mean prediction ratios are higher 
lor the hk to penelraliou than lor the lolal lite 

The final crack lengths are predicted quite well as shown in 
I igure I1', although the) are slight!) overestimated   The 
crack aspect ratios arc also quite reasonable, although 
a!wa\s underestimating the lest result    These results show 
no ev idence o! am scslcmalic variation 

7.     DISCl'SSION 

The initial constant amplitude predictions lor through 
cracks in the ''(ITS |f>5l aluminum plates using the 
supplied data were quite poor, showing a large dependence 
on both stress and stress ratio   However. b\ increasing the 

crack growth rates at higher values oi AK lo those ol the 
I"7o sheet data supplied with the program, it was possible 
to get excellent results, both in terms of total lite and final 

crack length using a value ol 0 lor the parameter a 

I sing the same material data and parameter a. the 
predictions lor the comer cracks were quite good   However. 
it appears that the crack growth in the through thickness 
direction is too low which results m a lie lo penetration 
which is too long ami a crack aspect ratio which is too 
small   It mav he neccssarx lit use ditlerent latiguc crack 
growth curves lor the two directions to improve the 
predictions, since through the thickness growth rales 
would he e\|>;.vted to he higher 

m 

6.    PREDICTIONS INDER VARIABLE 
AMPLITUDE  LOADING 

A.I     Input  Data 
I he modi I led material data lor the l'öl material shown in 
I igure.' 14 »as again used tor the material input, the 

parameter n was set to 0 and the program option tor an edge 
crack at the edge o[ a hole was used    1 he sjxxtia. .is 
pro\ lilcd. were hist checked to eliminate an) »on turning 
points (there were several in the iransport spectrum i and 
then input as simple pairs ol maxima and minima as the) 
occurred   I he number of repeats u| each cycle was set .it I 
unless consee utivc cedes ol lire same levels occurred    I lie 
I I < 1' counted spectra were input in a similar mannet, 
although there were no lit HI turning (Xiints in these spectra 

\n additional spcelriHli was generated (nun both the lighter 
and umisport spectrum ustim a range pan counting 
technique but retaining the order ol the original |>eaks as 
described b\ ('hang I ")    I hese spectra are ret erred to as the 
I \K counted sixelra 

6.2      Results 
I iguies 21  lo 2.* show the predicted to tested tolail lives 
using OK uncounted  i l( T counted ami I \K counted spectra 
respeclivel)      Ml three show similar trends, with slight!) 
higher prediction ratios at the lower stress levels, although 
the I \K counted transport spectrum gives lower prediction's 
ttt.io the others     I he uncounted spectra i»ive a similar mean 
pre dkl ion ratio tii'Mi to the I T< ('counted spectra (0<>4) 
with the lowest standard de\ ratioi. lO Mo 

I IL'IIU 24 shows that the linal crack lengths arc 
overestimated h\ an average ot approximate!)  *(>■'<". even 
though the lnt.it ciack lengths lor similar constant 
amplitude tests were■ willnii ~'• o:n average    I igure 25 
shows the ratio o| predated to lest hie to penetration    I he 
lomi ol [tic results is similai to those tor the tinal track 
length but there is much more- variation    I he i.ilioot 
predicted to lest crack aspect ratios arc shown in I igure 2'< 
I tie crack aspeel ratio is general!) under predicted as lot the 
scries 2 const a; it amplitude tests 

I he tinal crack lengths were over predicted lor this series, 
whereas tor the through cracks ihe linal crack length was 
ver\ accurate     I his is probable related to crack shaix. 
since it is unlike!) that the crack trout is straight in 
practice alter starting as a corner crack although this is 
what the prediction assumes once the crack has (vnelraletl 
the  thickness 

I he predictions foi variable amplitude loading o| tortici 
cracks were dependent on the spectrum lounting lechnupie 
but showed similar trends    I here was less ditlerence lhan 
might be cxivcted. however. especial!) between the 
uiieounted ami II' Vcounted sjx'clra    I his is probaNlv due 
to the nature' o| the spectra which have die art) been tillered 
Mgiulitatitl)      The lighlci spectrum in particiilai is verv 
'clean" having onh three ditlcrcnt 'from' levels    I h:s 
explains the similanl) Ixlwceti predictions f<*i lire tighter 
spectrum using all three diltcrcnt COIIIIIIIIL' methods 

I he predict it ms lot the uncounted spectra and a value ot < t 
ot ii showed good lite predictions and the least scalier and 
this  coupled with the siinplicit). make it the prclerred 
technique tor these ['articular spectra   I or spectra with a 
sigmticant number oil cedes which consist ol a 
comhiualioii ol smaller e)des. a counting technique inu) 
l«c- required 

I tile lorm ot the results tor 1're uncounted sixcira arc similai 
(o l hose |or the constant amplitude predict ions troin comer 
cracks    | he crack asfxvl ratios are under predicted and the 
predicted lite to penetration is too small    Howe>cT, the 
dillcreucc is tunich greater than tor the constant amplitude 
prcdiitioiis. with the predicted hie to rxiiciration king   * 
limes too long in one ease     I his m,i\ well he related to the 
iiileractioii ot the plastic /one and the edge ol the [dole in 
addition {<< the ditlvre nt growth talcs in the two directions 

I he predicted linal track IciiL'ths show the same trend as toj 
the constant amplitude predictions froui comet clacks 
although again the  dlst icpaiicv is laigcf     I his is piobahlv 
Ivciause thcie is likcK to he more ..tack .isyniimcln 
glow i tig a ill tough c I:K k hoiii .! tonic i < i-ae k in \ .iiiable 
amplitude  loathiiL' 
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8.    CONCLUSIONS 

A comparison ol constant amplitude crack growth 
predictions tor through cracks tn "!ff,S |o5l aluminum 
with lest results, iniliallv showed a large dependence on 
both stress ark] stress ratio   However, cvediteiit 
predictions tor hoth lite and linat track length could he 
ohiaincd it lh" supplied crack growth data »as modi I led to 

increase (he g«mih rales at higher values ol AK    Diese 

results used a value ol I) tor (tie parameter <i 

I suit; the same parameters lor constant amplilude crack 
growth predictions Irom corner cracks showed gtKtd 
correlation with test, although the growth in the through 
thickness direction »as under predicted slighll} and the 
(mat crack lengths were over predicted    I his w;is attributed 
to different material grow I h rates in the two directions anil 
crack as\rnmetr> 

Predictions Irom corner cracks under two variable amplitude 
i> fling spectra showed   nuilar trends lo those lor constant 
amplitude loading but the errors were larger   However, all 
the lite prediction ratios using uncounted spectra were 
within the range Irom 0 57 lo I M. while the liual crack 
length prediction ratios were within the range Irom 1 OK to 
I 41 

Modeling lccttiiH|ues hm I    Methods and Uesults'. 
Hie technical Cooperation Program. I ebruarv   l*W> 

I l( P HI P K< ollahoralnc I vereise.   \n \sscssnienl 
ol the Ucurac) ol Various I aliguc < rack (irowth 
Modeling lcchnic|ues I'urt II    I ntical Anahsis'   I he 
technical Cooperation Program  .lime P"! 

Dill. II  I) and Sail, C  K   ' \nal\sis ol Crack i irowth 
Inllowing t ompress)vc High I oads Mascd >»» ' rack 
Surface Displacements and ("onlaet  \nal\sis\ in 
* 'ytiu  Sirfw Smiw iitut Vlavtii  Ih'p'rnuitum A\[H< ^ 
c/ tatiiiut'i rttik < >rn\ith VSl MSII'M", \mencan 
Societ}  lor  testing and Materials   |T". pp   [41   l>2 

Dill.lt  I) and Sail.«    K , 'Spectrum ( rack t irowth 
Prediction Vlelhot* Uased on ' rack Suiiacc 
I )isp|accincnt and Contact  \nal\scs   m l-ttri^ut     nut 
' irowth t.'ttdrr s/v< imm hui<h. \Sl VI S|T V>5 
Ynicncan Soeiciv lot Ivsting and Materials. (■'■■)    '. pp 
MW,   il 

(hang. .1 H  and I nglc. K M   'limproud Damage 
I olcraiKc Methodology   I    vircralt   \->l   -I. No  ■>, 
pp   ~:: ^ti,   l'*K4 

•) 

*. 

1 ulure blind predictions tor this material on similar spectra 
will be made >>ing the modified matenal data file, a value ol 

(t ol 0 and uncounted spectra   Predictions would be 
expected to he within a factor ol two ol lest results   It the 
material is changed or the spectra are significant!) 
different, lurther validation would be required 

• 

IX1 [ailed knowledge ol the program is not required to make 
reasonable predictions, but the user must understand how to 
properlv input the data   Comparison wilh experimental 
results is a simple wa> ol continuing this understanding 
and venhmg the validit) ol the data 
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Figure 9:   Series 1 life predictions using initial IAR material description 
and a = 0 

mean = 0 63, standard deviation = 0 35 • • 
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Figure 10: Series 1 crack length predictions using initial IAR 
material description and n=0(Kc = 51.6) 

mean = 0 99. standard deviation =0 12 
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Figure 11: Series 1 life predictions using initial IAR material 
description and a = -1 

mean = 0 97, standard deviation = 0 50 
• 

Predicted Life/Test 
Life 

121 

Through Stress (ksi) 

Stress Ratio 

Figure 12: Series 1 life predictions using Initial IAR material 
description and a = 1 

mean = 0 62, standard deviation = 0 38 
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Figure 15: Series 1 life predictions using final IAR material 
description and u = 0 

mean = 1 05. standard deviation = 0 14 
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Figure  16: Series 1 crack length predictions using final IAR 
material description and <« = 0 

mean - 0 99 standard deviation = 0 12 
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Figure 18: Series 2 predictions for life to crack penetration of plate 
using final IAR material description and u = 0 
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Figure 19: Series 2 crack length predictions using final IAR 
material description and a = 0 

mean = 1 07, standard deviation = 0 04 
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Figure 20: Series 2 crack aspect ratio predictions using final IAR 
material description and <i = 0 
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Figure 21: Series 3 life predictions for uncounted spectra using 
final IAR material description and a = 0 

mean = 0 93, standard deviation = 0 30 
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Figure 22: Series 3 life predictions for TTCP counted spectra using 
final IAR material description and a = 0 

mean = 0 94, standard deviation = 0 31 
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Figure 23: Series 3 lite predictions tor IAR counted spectra using 
final IAR material description and a = 0 

mean = 0 73, standard deviation = 0 32 
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Figure 24: Series 3 crack length predictions for uncounted spectra 
using final IAR material description and <t = 0 

mean = 1 30, standard deviation = 0 16 
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Figure 25: Series 3 predictions for life to crack penetration of plate 
for uncounted spectra using final IAR material description and a = 0 

mean - 1 56 standard deviation = 0 85 
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1. SUMMARY 

To assess the consequences with regard to fatigue 

and damage tolerance cf changes in operational 

usage, a simple means to quantify the relative 

severity of recorded load spectra is required. 

This paper describes the development and validation 

of the "Crack Severity Index" CSI as a means to 

express the relative damage in terms of a "crack 

growth potential" of stress spectra. The CSI is 

based on a crack-closure crack growth model and 

takes account of interaction effects by considering 

the shape of the spectrum. 

It Is shown that the CSI-concept is a reasonably 

accurate method to compare the relative severity of 

manoeuvre dominated spectra in aluminium alloy 

structure. 

spectra in aluminium alloy structure. In a general 

discussion, specific aspects of the CSl-concept are 

reviewed. It is shown that the CSI can also be 

usefully applied in studies to influence the 

fatigue consumption by operational measures 

3. CSI-DEVELOPMENT 

Stress spectrum: It is assumed that the stress 

history in a specific structural area has been 

recorded over a certain period, say for example 

during 100 successive flights. This stress history 

has been analysed using "Rainflow" counting'21; the 

resulting "stress spectrum" consists of n stress 

cycles 1 with max stress s_„. . and minimum stress 

2. INTRODUCTION 

The majori ty of current fat igue load moni toring 

systems for military aircraft provide for the 

determination of service load spectra in one or 

more significant structural location,, usually 

indicated as "Control Points". These load spectra 

are derived either from direct strain measurements 

or calculated from a few simultaneously recorded 

flight parameter histories.(1) 

In order to assess the consequences of observed 

changes in service load spectra. a means to 

quantify the relative "damage" of these spectra is 

needed In the past . the usual method was to 

calculate the cumulative fatigue damage of the 

spectrum, on the basis of Miner's rule, assuming a 

"representative" Kt and an appropriate S-n curve. 

Unfortunately, the outcome of these calculations 

turned out to depend heavily on the assumptions 

made and did not reflect any load interaction 

effects 

The General Dynamics F16 is the first 1 i ne Combat 

aircraft type operated by the Royal Netherlands Air 

Force. The F16, like most modern fighter aircraft 

has been designed according to Damage Tolerance 

Des ign Criteria: for such aircraft the <possible) 

amount of crack growth rather t han fat igue life 

consumpt ion de fines the severity of a load 

spectrum. 

The NLR has developed a method to express the 

severity of recorded stress spectra in terms of 

"crack growth potential" This Crack Severity Index 

(CSI) is used to assess monitored F16 Service 

stress spectra as part of the RNLAF Fl^> Fatigue 

Management Program. 

This paper starts with a description of the 

background and the development of the CSI-concept 

Results of a large number of crack growth tests 

under widely varying load spectra were used to 

check the validity of the concept It is shown that 

the CSI is a reasonably accurate measure to compare 

the c rack growth damage  of manoeuvre  domi nated 

Crack growth law; The en 

cycle i is given bv a simpl 

;k growth due tc 

Paris -tvpe expre 

load 

si on: 

da, - ClAK,Ifil
t <a>v*a ! (As, 

a is the crack length, ß(a> a geometry function and 

m a material constant. The effective stress range 

As,.f( , - snmxi   - sQp . . 

The opening stress level s^p is a function of the 

stress history as Jill be described further on, but 

is supposed to be independent of crack length. 

Spectrum crack growth: Eq. 1 can be rewritten 

da, 
 -/IV,-fl' (2) 
[0'(a)/*a j 

f(a)dat - [sm„„ , -s^p . 

f(a) 

under the spectrum a crack with let 

to a,. Defining the integral of f( 

crack growth v;n\   oe calculated f rmr 

(4) 

grow 

,  the 

(5) 

is purely 

-ack length 

In this equation,the left hand side 

defined by the the structural geometry ( 

and material properties (through the term m) The 

right hand side includes load- spec t runt terms . plus 

again the material parameter in. Note that the right 

hand side is independent of crack length (under the 

as sump t ion that s is i ndependent of crack 

length) .   We can sav t hat  the r i ght  hand side 

• 

{'resented at an AC»ARD Meeting on An Assessment offatigue Damage and (rat k (Wowih I'redu turn letfumfm'v', 
September 1W. 
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defines the "crack growth potential" of the stress 

spectrum: two spectra yielding the same value for 

the "right hand side terra" will cause the same 

amount of crack extension (aa-ab) starting from a 

crack with size ab: this right hand side term will 

be called the Crack Severity Index. CSI: 

(6) 

As 'he CSI is used to compare different spectra, 

the value of the constant C is immaterial: In 

practice, C is chosen so as to yield a CSI - 1 for 

a "reference" stress spectrum. 

The openjng stress s„r. It will be clear that the 

magnitude of sop has a major influence on the 

amount of crack growth, and the determination of a 

simple rationale for calculating sgp is a key 

element in the CSI-development. 

In fighter aircraft, the interest is concentrated 

on the development of relatively short cracks, 

emanating from initial flaws of say 1.25 mm in 

usually relatively thick structure. Hence, for 

cracks of interest plane strain conditions at the 

crack tip may be assumed. 

Under constant amplitude loading, the opening 

stress sop may then be approximated by the 

expressions given in Figure 1 (Kef  3). 

-0 4 -0 ? 0 0 ? 0 4 Oft 08 

P'Q   '     c        as a function of R ~  /"'"  tor plane strain conditions 
•^max smax 

2© 
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10 

?0 
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10 

Fig 2   Opening stress 'eve's calculated vj<th CORPUS lor two tlnjt'ts m the 

analyzed sequence 

up the opening stress, ~r _.._ „r....,,.,, ., .. . „ ^.,, thus re due ing the amount of 

crack growth associated with the load cycles coming 

next. The opening stress is lowered again when a 

low valley occurs. The "memory" of the overload 

will end with the advance of the crack tip, when 

the tip grows out of the plastic zone produced bv 

the overload. 

On the basis of the abo 

following rationale has 

calculating s-p: 

considerat ions.  the 

been   adopt ed   for 

s„r i pertaining to stress c 

of: 
1. sop , determined for s^ 

to Figure I 

2. sop »in  determined  for 
occurring in 30 flights 

stress in 30 flights, s 

related to sm„ r.  and smi 

1. 

cycle is the large 

d sm, . according 

hi ghest  stress 

V)   and the lowest 

whereby s  min i s 

:cording t n Figure 

m 

Under  variable  amplitude  loading,  a  aiuch mut 

eönij.pl icated situation exists as the instant aneov 

opening stress depends on previous load peaks at 

valleys and 'heir associated plastic ZOTI« si;-.t 

near  the  crack  tip.  This  effect  of  precedii 

overloads  and  unde r1oads  on <he  c rack  openir 

stress is currently considered as the cause of sc 

called  crack  growth  retardation  wider  spectn 

loading. To study the behaviour op s ,_,, an analvsi 

was made of the s„p for typical manoeuvre dominaU 

fighter aircraft load sequences ,usi rig the NIJR "j 

house"  computer  program  CORPUS  (Calculation  f 

Propagation Under Service loading) (Ref 

is  an  advanced  program  for  cycle  by 

calculation of crack growth 

Figure 2 shows typical results for a p 

(relatively long) load sequence analysed. It turned 

out  that after 3 certain number of  flights a 

"minimum opening stress" has developed, which is 

purely defined by the highest peak and the lowest 

valley in the stress sequence: a high load pushes 

OJKPUS 

of the 

This number of 30 flights represents the estimated 

average "memory" per i od for over 1oads, cons i der i ng 

typical plastic zone s lz.es due t n over] oads and 

typical crack growth rates 

The defini tion given above fo 

"relevant" CST-value can only 

stress spectrum covering at It 

CSI has to be determi tied for 

f 1 ights. a value for s.,( t.:r. must he ass 

means it must be assumed that the spei ifi 

flights belongs to an overall usage tor 

"extremes" ot the spectrum are known 

hat , irnpli 

del ermi nert t-i 

SO fIiphts 

smaIler batr( 

1 mied. 

c hate! 

whi. h 

'». VALIDATION OF THE CSI CONCEPT 

In order to validate the CSI - concept calculated 

CSI-values were compared with results of crack 

growth tests on simplv notched plate spet imens, 

made of 74/3 aluminium alloy plate with a thickness 

of 7,62 mm Specimens were provided with either a 

corner crack or a th.ro.ugh- the thickness crack ■ see 
fig i; 
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TYPE 1: 7 62 

22 38 

^6 35   , .  1 0 (spa«' eicntea teirougf 
the Richness ■.';»€*>. 

The material constant ID used in the CSI 
calculations was equal to m-3. 

Figure U presents spectra for some tests done 
specifically for CSI validation. The "basic" 
spectrum refers to the wing bending moment of a 
fighter aircraft. In the spectrum indicated as 
"omission", al1 load cycles with a sM> lower than 
the predicted sop min (49.31 MPa) were omitted. The 
CSI-concept predicts that this omission will have 
no influence on the spectrum severity, and this 
prediction appears to be fully confirmed by the 
tests. 
In the "truncated" spectrum the highest peaks were 
reduced to 19^.45 MPa. The increase in severity by 
a factor of 1.2b was not fu]lv predicted by the 
CSI, (factor - 1.08; but it may be noted that in 
any case the CSI predicted an increase in severity 
due to truncation, whereas all "classical" non- 
interaction models would have predicted a decrease! 

Figure b shows different spectra for one structural 
location, namely the wing root One spectrum is 
indicated as "Design", the other three are recorded 
spectra pertaining to different usages. At fir"t 
glance, one would expect the Design spectrum to be 
much less damaging than the actual service usage 
but the tests show that the opposite is true the 
Design spectrum is the most severe. It turns out 
that actuallv the CSI predicted this effect 
reasonablv well However, the CSI overestimated the 
severi ty of usage i compared to usage 1 by 20 
percent. 

TYPE II    T 62 

Fig 3   Specimens used for crack growth fesfs 

Figure h shows spectra for three different 
structural locations It mav be noted that the 
Horizontal Tail Spectrum is verv different from the 
others as it is nearlv svmmetrical around zero 
stress The hor izontal t a i 1 spec t r vim was found in 
test to be about 16 t imes less severe than the wing 
B.M spectrum This sever itv was predicted within S 
percent o' the CSI-concept. Undoubtedly, this 
outcomt is veiB.ark.ablv good 

• 

A number of these tests were defined specificallv 
for the CSI-validation but the majority of tests 
were done as part of the RNLAF F-16 Life Management 
program. In the following, results of these 
comparisons will be discussed for a number of the 
test results that were available 
In these comparisons, the "calculated severi tv" 
refers to the CSI value computed for the specific 
test spectrum, whereas the "observed severity" is 
the inverse of the crack growth life until a - 16 
mm as found in test. 

''orapar i sons for ot her load spectra. which will not 
be present ed here,revealed equal 1v acceptable 
results. For a total number of bb different stress 
spectra that were studied, the average error in the 
CSI- prediction was -h- ) percent and the average 
absolute error was 1 :> 1 percent 

Sum-nar iz ing , we may cone 1 ude '.hat c ompar i son of f'S I 
predict i or. and test results have shown that the 
CSI-concept raav provide a reasonablv accurate means 
to quant i fv the re 1 at ive sever i tv of manoeuvre 
dominated fighter type load spectra 

STRESS   a^AZfUPa 

(MPa) 

BMIC" spectrum 

Omission 

I t«*t rsaull CSI prediction 

LEVEL CROSSINGS PER FLIGHT Basic sp«ctrum is rsUranc« 

Fig 4   Predicted and observed efect ot spectrum changes uo spectrum seventy 

•       • 



■100   - 
10 3 Iff' 10' 10° 10' vf 

POS LEVEL CROSSINGS PER FLIGHT 
• er5 

Usage 1 spectrum 

Usage 2 spectrum 

Usage 3 speclrum 

m 

15 20 25 

| iMt result   LJ CSI prediction 

Usage 1 spectrum is reference 

Fig 5   Comparison of observed and predicted seventies tor Wmg B M Spectra pertaining to different usages 
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• 

POS ifvE-L CROSSINGS PER FLIGHT Wing bending specimen is reference 

fig 6   Predicted and observed seventies ot spectra tor different structural locations 

5. DISCUSSION 

Interact ion effects have a maj or Influence on 

fatigue crack initiation and crack growth under 

spectrum loading. Very often these effects., 

specifically the effect of high overloads are of a 

crack growth retarding nature. Hence, "non- 

interaction" prediction techniques tend to give 

conservative results. This expected conservatism 

combined with their inherent simplicity are cause 

that "non-interaction" prediction methods are still 

widely used Throughout the aerospace industry. 

However. i t must be reali zed that this 

"conservatism" in itself is of no use if one wants 

to compare the severity of different spectra on a 

relative basis. A numerical example may illustrate 

this Suppose that the crack growth life under 

spectrum A is predicted to tie 201)0   flights  while 

tests yield a life of 5000 flights  The predicted 

1 i fe under a differer.it spectrum B is 2 >00 f 1 ights , 

while the test life is 4000 flights. 

Our prediction technique yielded a conservative 

result in both cases, but t he re]at 

was totally wrong: spectrum B was predict* 

less severe than spectrum A. while the opp 

t rue! 

"redic 

The CSI turned 

predict iuns of 

varying spectra, 

to give 

e1 ative 

because 

ably 

load interaction effects! 

The effect of for example a high load remains 

noM.cable during many successive flights. It mav IK 

recalled that a valid CSI could onlv he calculated 

for a batch of at least 50 flights In other words, 

a CSI pertaining to one flight '/an only be 

calculated if assumpti ons are made vi th regard to 

the overall spectrum of flights to whi'di our 

specific f i i gin belongs This mav appear as it 

shortcoming of the o'Sl ■ concept bur is actually a 

direct consequence ot the load-interact ion 

phenomenon it must he realised 'ha' the damaging 

effect of a flight is not solely defined by the 

spectrum content of that flight, but depends on the 

load sequence that preceded that t Iighr Any 

attempt to define damage figures for one Might on 

the basi s of i nf orma' ion about : he loading hist n-rv 

of that flight alone musj. tail in case ot var i ah ] e 

amplitude loadings and structural materials 1 i V,- 

the common aluminium alloys used in aircraft which 

are sensitive for load interaction effects 

As mentioned already in 'he i i,' r >du< • i on . the '-:S'I 

concept has been and is su-cees fu 1 1 y used .is ,i 

standard tool in t he RNLAF r - \h (-'at igue Loud 

Mo-nl toring Programme < see Ref . ■ . as ,i means t <-. 

present and assess the observed differences b,t tween 

the usage of var i ous squadrons and. to i nd icat e 

changes i n t hat usage 

• 



Apart fron such applications, it was found that the 
CSI-concept nay also be successfully used in 
studies how to influence the loading severity bv 
changes in aircraft operation. Application of the 
CS1 concept for this purpose will be illustrated in 
Splekhout's Paper (Ref. 5) during the present 
Meeting. 

6. CONCLUSIONS 

1. A simple means to quantify the severity of a 
measured load spectrum has been defined, which 
accounts for load interaction effects. 

2. The CSI appears to be a reasonably accurate 
measure for the relative severity of manoeuvre 
dominated fighter spectra. 

3. The CSI is used as a standard tool in the RNLAF 
F-16 Fatigue Load Monitoring Programme. 

4. The CSI-concept can also be successfully used 
in studies how to influence the operational 
fatigue life consumption 
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SUMMARY 1. - INTRODUCTION 

The current slate of crack growth prediction models for 
aerospace applications is reviewed with special reference to 
limitations and possible improvements The present work aims 
at examining the different crack growth prediction models with 
reference to effective application for practical use (i e with the 
objective of identifying the experimental data necessary to 
apply the model) and at quantifying the reliability of the 
different models Both crack growth prediction models 
currently used by aerospace industries and prediction methods 
under development within the scientific community arc 
considered. An experimental program has been carried out to 
help achieve the aforementioned ubj; lives 

LIST OF SYMBOLS 

Latin Symbols 
a = crack length 
C'A = Constant Amplitude 
tfx,) - displacement at point x, due to the nominal stress in the 
strip yield model 
g(x,,Xj> = displacement at point x, due to a unit stress applied 
at point x. in the strip yield model 
K = Stress Intensity Factor 
LliFM = Linear Elastic Fracture Mechanics 
I.| = length of the i-th element in the strip yield model 
OL = OverLoad 
R - ratio of minimum to maximum stress in the load cycle 
S = nominal stress 
UL = UndcrLoad 
VA - Variable Amplitude 
V( = vertical displacement of the i-th element in the strip yield 
model 

Greek Symbols 
AK = Stress Intensity Factor Range 
a = local stress 

suffixes 
calc = calculated 
eff = effective 
exp = experimental 
max = maximum 
min - minimum 
op - opening 

After the introduction of damage tolerance' requirements, 
at first issued for USAF military aeroplanes jl| and 
subsequently also for commercial transport aircraft (2|, the 
development of reliable methods for crack growth analysis 
under Variable Amplitude (VA) fatigue loading has become a 
crucial point for all aerospace industries The application of a 
crack growth model is essential in the different phases of 
design, certification and operation of aeronautical and 
aerospace structures From the point of view of industrial 
designers, the ideal method should obviously provide reliable 
predictions, be very easy to handle, should not require too many 
empirical constants (derived from specific tests) tor its use and, 
lastly, should not require much computer time, because of its 
extensive use 

A flood of literature has been published in the last twenty 
years on this subject and has led to considerable understanding 
of certain problems associated with fatigue crack propagation, 
at least from a phenomenological point of view Many methods 
have been developed and are available to the industrial 
designer, some of them are quite simple, but others are very 
complex Anyhow, still insufficient help and information are 
too often provided to the user who, besides the general limits of 
applicability oi the models, needs suggestions as to how to 
identify the most suitable model for his specific problem 
Among other things, a very important piece of information for 
an industrial designer is knowing how far the results of his 
calculations depend on the scatter of the input data, as well as 
the sensitivity of the method to changes in the design variables, 
both in a qualitative as well as in a quantitative way In a 
previous research, carried out at the beginning of the 80s [3|, a 
systematic evaluation of the existing models was made In the 
following sections, updated crack growth prediction methods 
are reviewed and evaluated, following the same logic approach, 
with the help of experimental results, some of which obtained 
from a specific test program and others from the literature 

2. - CRACK GROWTH PREDICTION METHODS 

A number of excellent review papers on fatigue crack 
growth have been published recently: among others, mechanism 
aspects are well discussed in [4|, chile papers |5-8] are mostly 
devoted to the description and analysis of models 

Fatigue crack growth under C'A loading is a well estab- 
lished phenomenon, typically analyzed with the use of Linear 
Elastic Fracture Mechanics (I.LIM)   On the contrary,  the 

Presented at an A( iARD Meetmy, on An 4i"'wm«ii n) fatigue Damage und ( nu k (ira» ih I'rediition let hiutfus. 
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prediction of fatigue crack growth under VA spectra is a much 
more complex matter ITie basic assumption of the models 
based on IHM is to postulate the possibility of correlating CA 
propagation data to VA loading histories through the identifi- 
cation of a similarity parameter, generally related to the stress 
intensity factor Unfortunately, there are so many interaction 
effects between load cycles of different amplitudes that, even if 
some of them are quite well understood (at least from a phe- 
nomenological point of view), carrying out accurate quantita- 
tive predictions is still a formidable task Among other things, 
just to quote only the most relevant ones, an ideal prediction 
model should simulate the following interaction effects 
- crack growth delay, following an overload. 
- crack growth acceleration. 
- delated retardation, 
- interaction between incompatible crack front orientations, 
- development of shear lips, 
- interaction with microstnictura! features (surface roughness) 

It is quite clear that a single model should take all these 
effects into account and therefor: it is easy to understand that 
both simple (but rough) and refined (but complex) methods 
have been proposed by many researchers 

According !o the modelling of the mechanism that is 
considered to be responsible for the main interaction effects, 
crack growth prediction methods can be broadly classified in 
the following groups 

- Non-interaction assumption 
- Characteristic K concepts 
- Yield /one models 
- Crack opening models 
- Strip yield models 

The simple linear calculation, developed first 
chronologically speaking, provides usually conservative results, 
orten too conservative, since in a tvpical wing stress history 
retardation effects in general largely prevail over acceleration 
effects Therefore, most of the methods have been developed to 
overcome the limited reliability of the non-interaction 
procedure The various crack propagation methods are based 
upon the following two essential elements 
(i) interaction modelling, i c how sequence effects are taken 
uilo account, including the selection of the kev parameter and 
the definition of memory effects, 
(ii) how the effective current stress range and K ratio are 
related to crack increment (crack growth law) 

2 1       Non-interaction assumption 
ITie non-interaction assumption is based on the 

hypothesis that a stress intensnv [actor range occurring in a VA 
loading history produces the same crack increment as if it were 
part of a CA loading history Trus assumption generally 
provides conservative predictions, which, depending on the 
load spectrum, may be orten toil much conservative Using the 
non-interaction assumption, trend effects related to 
modifications of design variables are generallv not predictable 
Non-interaction calculations ma' be carried out in accordance 
with various crack growth laws or using an interpolation 
procedure through test data 

2.2      Characteristic K concept 
It is assumed that it is possible to correlate crack growth 

in a VA load history with a characteristic stress intensity factor, 
depending on the spectrum and its stress level ITus method is 
not, strictly shaking, a prediction method, but rather a 
similitude method useful when experimental data from similar 
load >|K\tra are available   I "he results of the calculation, which 

arc sufficiently accurate in some cases |9-ll|, are in general 
sensitive to spectrum variations 

This method is typically applied for block spectra or 
random gaussian spectra, in the case of flight-bv-flight spectra 
it is not widely used 

2.3 Yield zone modelt 
Yield /one models were developed in the 7tl's in the 

United States and were the first attempt to take retardation 
effects after the application of an overload into account They 
arc based on the assumption that retardation is related to the 
dimension of the plastic /one created ahead of the crack tip by 
the preceding Ols The amount of retardation, i.e. the 
difference in crack growth produced by the current cycle 
compared with the growth pertinent to the same cycle if it were 
part of a CA Mock, is related to the amount of propagation that 
is still necessary for the crack to reach the boundary of the 
plastic /one in which it is embedded I Tie first and most famous 
models developed according to these concepts were proposed 
by Wheeler |I2| and Willenborg [13) These models require as 
input data the yield stress of the material and CA crack growth 
data The Whtiler model also needs an empirical constant, 
given by the operator as an input datum, which is in practice a 
parameter regulating the average tetardation of the spectrum, it 
is usually obtained by fitting the model results to test data 
previously obtained under similar conditions (i e material, load 
spectrum, load seventy, etc ) 

TTicse models, in practice, simulate onlv the retardation 
after Ol. effect, generally, they are considered as not being 
accurate, because the interaction modelling based onlv on 
plastic /one si/e evolution is insufficient for such a complex 
phenomenon Many modified versions have been proposed for 
the Wheeler [14-1A) as well as for the Willenborg |I7-19| 
models, in an attempt to eliminate the need for an unknown 
fitting parameter (Wheeler model) and to take into account 
effects otherwise not predicted bv such models, like multiple 
Ols interaction and IJI. effect These updated versions are also 
based on the same modelling of crack growth mechanics 

Anyhow, they are extensively used b\ the aerospace 
industry, mainly due to their simplicity In particular, since the 
designer must provide some test data in support of his analvsis, 
whatever the model used, the fitting parameter of the Wheeler 
model, specific for the material, spectrum and crack interval 
examined, can be easily evaluated (^>n the other hand, the 
Generalized Willenborg model (17] is also quite simple to 
handle and generally provides conservative predictions, all 
these reasons justify its wide use in aerospace industries 

2.4 (rack opening modelt 
The crack opening models work on the assumption, based 

on experimental evidence first provided bv ITber |2".2I|. that 
not all the load excursion is active for propagation, but only a 
part of it In particular, it is assumed that propagation takes 
place onlv when the crack is fully open, which occurs for a 
stress level above the minimum stress of the evele Such a 
stress level is named opening stress, S , and depends on the 
previous load history According to such an assumption, onlv a 
pait of the nominal stress intensity factor range is active for 
crack propagation and that part is named effective stress 
intensity factor range \Kc(, I \Ko(T ~ Kmav - K ) Ihe \K,|Tis 
considered to be the similaiitv parameter that allows 
correlation between CA anj VA loading a cycle of a VA 
history produces the same growth as '• cycle of a CA history 
with the same \Kd| v.iluc 

ITie various crack opening models available in the 
literature diller from each other in Ihe interaction assumptions, 
i e how the material remeinbers the pasl stress history, as well 
as in ihe estimate of the parameters of the tilili/ed ciack growth 
law   llie simplest model is the one proposed bv Sehiive [22|, 
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who assumed that S remains constant during each flight of a 
flight-by-flight sequence Other models have been proposed in 
recent years, the most interesting being those of Aliaga [23-25 J, 
of Baudtn [26, 27] and of De Koning [28. 29| Such models, 
considered the most promising ones, receive further attention in 
the present paper 

2.S      Strip yield models 
Strip yield models are based on a discrete modelization of 

the Dugdale-Barenblatt [30, 31 ] stnp yield model According to 
the Dugdale assumptions, yielding is supposed to occur in a 
narrow strip ahead of the crack tip and on the crack flanks The 
propagation of a crack interacting with its plastic wake, 
embedded in a far elastic field, is studied as a supcnmposition 
of two elastic problems (see fig I) This model has been 
discrcti/cd by many researchers 132-39) in order to study crack 
propagation through a discrete description of the crack flanks 
ana of the plastic /one Newman |36| discreti/ed the material 
surrounding the crack with bars with clastic-perfect plastic 
behaviour. The problem is governed by the compatibility 
equations of the vertical displacements (V^) and lengths (Lj) of 
the i-lh bar elements, i.e V = I,( L is equal to the residual 
deformation of the i-th bar clement Hie displacements can be 
determined from the supcnmposition of two elastic problems, 
such as 

vi = s • /(xi) +    Z    oj* g(xi ,xj) 

7=1 
From the system of compatibility equations, a linear 

system follows, which can be resolved step-by-step, usually 
with the (iauss-Seidel method Ihe boundary conditions arc 
that llie j-th bar in the plastic /one ahead of the crack tip yields 
in tension at o = cm0 while elements both on the crack flanks 
anil in the plastic zone yield in compression for a - - a0. If for 
the j-th clement on the crack flanks o is positive, then such an 
elcmcnl is not in contact with its corresponding opposite 
clement and it is posed a =0 Crack growth is modelled by 
disconnecting the bar elements ahead of the crack tip Crack 
growth calculation is not earned out on a cycle-by-cycle basis, 
that would be too expensive, but for a fixed crack increment or 
number of cycles It is assumed that the parameter u makes it 
possible to take the effective three-dimensionality of the stress 
into account, I e the transition from plane strain to plane stress 
conditions Calculations earned out by varying the constraint 
factor a are reported to simulate the experimental plain strain- 
plane stress trinsition verv well [39] Due to the very long 
calculation tune, this model is at piesent mainly utilized to 
vent's assumptions used in simpler models, although interesting 
results for flight-by-flight histories have been published 

One of the main features of the model is the identification 
of the functions g(xrx ) and fix,), Newman reported such 
functions for the centre crack tension specimen and for a crack 
emanating from a hole, but displacement functions for other 
geometries may be obtained from the open literature or using 
the »eight function method [40| Interesting results have also 
been obtained with such models in the analysis of short crack 
growth |4(M21 

Strip yield models are still being developed in order to 
acquire a better definition of the physical meaning and 
evaluation of the parameter a 

3.- DESCRIPTION OF THE MAIN CRACK OPENING 
MODELS 

In the present investigation particular attention was 
devoted to the crack opening models, therefore in the following 

the PRKFFAS, ONKRA and CORPUS models are briefly 
described 

3.1       The PREFFAS model 
The PRKFFAS model (23-25) was devised by Aliaga, 

Davy and Schaff of Aerospatiale in 1985 The model was 
proposed for short load sequences, i e such that the crack 
grows inside the plastic /one generated by the highest peak of 
the block The authors claimed accurate predictions for simple 
VA as well as for complex flight-by-flight load histones Rain- 
flow effects for the Sj^^-S    sequence are also considered 

3 11    load interaction modelling 
The effect of the previous load history is taken into account, 
considering that each previous peak produces an opening level, 
which can be estimated by relating it to the lowest trough 
included between the peak considered and the current cycle 
(see fig 2) The opening stress of the current cycle is the 
highest opening stress calculated by considering all the 
previous peaks, utilizing the opening function described below 
The model was originally proposed for short spectra and 
assumes that the plastic zone associated with the highest peak 
in the spectrum is dominant, i c the boundary of the plastic 
zone associated with the curcent c; cle never exceeds the 
maximum extension of the plastic /one The model evaluates 
the interaction effects bv taking only stress levels and cycle 
sequence into account Compressne stresses are set equal to 
zero 

3 12    Opening function 
The function that expresses the ratio of the effective stress 
intensity factor range to the nominal one is supposed to be 
linear inR, i e . U(R) = A * B R, the constants A and li must be 
obtained experimentally for each material and thickness Irie 
authors also provide a recommended test procedure to obtain 
such constants, which cannot be derived through standard crack 
opening measurements 

3 1 3    Crack propagation law 
The crack propagation law, proposed by the authors, is an Kiher 
type law in AKeff , l e da/dN = C (AK^/" Due to the short 
length of the tvpical spectrum, the crack length can be 
considered to be constant during the application of one block 
Because of this, the crack growth in a block can be expressed 
by f(a)«K.\Sefty, where the stress dependent term has the 
same value for each block, except the first one, where the 
regime of opening stresses is not yet stable Therefore, it is 
much more convenient to evaluate crack growth on a block-by- 
block basis, rather than on a cvcle-by-cycle basis 

3 I 4 Kxpenmental tests needed to apply the model 
ITiere are four material dependent parameters to be obtained 
for applying the method A and B for die opening function, C 
and rn for the propagation law CA tests at different R ratios as 
well as a block tett (1000 cycles with R=0 I plus a cycle with 
the same minimum stress level but maximum stress level equal 
to 1 7 times the maximum stress level of the CA block) must be 
performed The latter test is supposed to introduce some 
correction for 01, interaction effects [43] and is fundamental in 
obtaining the constants A and I), values for such constan's arc 
given by the authors for 2024-13 and -T35I (for different 
thicknesses), 7075, 7010 and 7050 with -T6 and -T7 heat 
treatment conditions 

3 2       The ONERA model 
ITus mcxlcl was originally devised by Baudin and Robert 

of ONLRA in 19X1 J26], while some modifications were 
presented in 19R4 ]27] Irie model was proposed for llight-bv- 
tliglit load histones and mitiallv applied to 2024-13 
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32 I    Load interaction modelling 
The effect of the previous load history is considered through the 
definition of an equivalent load cycle, based on an appropriate 
algorithm, such cycle keeps memory of all the previous load 
history Plane strain-plane stress transition is taken into account 
by means of a relationship with the ratio of the Irwin plastic 
zone size to the thickness of the material A thickness effect is 
also considered through a relaxation of the influence of Kmm on 
the interaction rule 

3 2 2   Opening tuncuoa 
The opening stress is obtained as a weighted average of two 
opening function values the first one is referred to CA load 
histories (considered to be a particular case of multiple OLs) 
and the second one for single Ol effect The weight parameter 
was defined as a fitting parameter when the model was first 
published |26| and later related to spectrum seventy, [27] The 
authors obtained the opening functions for 2024-T3 
experimentally, in plane stress conditions, |26) 

3 2 3    Crack propagation law 
The suggested crack propagation law is an Fiber type one, i e 
daAIN = C(AKeffr 

3 2 4    Experimental tests needed to apply the model 
To apply the model the opening functions for single OL and for 
the CA case are needed, as well as the parameters C and m for 
the crack propagation law  For the evaluation of the C and m 
constants, the authors use the results of R=0 CA tests 

3 3      The CORPUS model 
The CORPUS model was proposed by FJe Koning of Nl.R 

in 1981 (28, 29| At present, the model is considered the most 
sophisticated and accurate crack opening model It is based on 
fractographic observations of crack growth surfaces, which 
provide support for the hypothesis of a mechanism of plasticity 
left in the wake of a growing track The model is also 
implemented in the FSACRACK software lor crack growth 
predictions 

3 3 I    Load interaction modelling 
The interaction is based on the modelling oi the behaviour of 
the plastic /one wake of a crack Fach stress peak is assumed to 
create a ridge on the crack Hanks The crack is considered to be 
completely open »hen the last ndfte loses contact the 
corresponding stress level is the opening stress for that crack 
length ITie minimum stress of each cycle Haltens the existing 
ndges. i e reduces the opening stress level Fach ridge is 
considered to be active in the determination of the dominating 
opening stress as long as the crack tip is embedded in the 
pla.ac /one of the peak that generated it Multiple Ol. effects 
are taken into account through an experimental relationship 
Plane strain-plane stress transition is considered onlv as tar as 
the dimensions of the plastic /one si/e are concerned ITio 
effects on the opening level of secondary plastic /ones, i c 
plastic /ones developing in already stretched material, are also 
modelled 

3 3 2    Opening function 
The opening function is based on experimental measurements 
and also lakes the effect of maximum stress into account, the 
importance of this was pointed out by Newman ]36] with the 
use of the strip yield model and finite element calculations ITie 
same function, relevant to plane stress conditions, is assumed 
to be applicable for 2024-13 and 7075-16 aluminium alloys 

33 3    Crack propagation law 
The suggested crack propagation law is an Flber-tvpe one. i e 
da/dN = C(.\K1.n-)m 

3 3 4    Experimental tests needed to apply the model 
Experimental tests with CA loading at different R values are 
necessary to obtain the crack propagation law parameters for 
the material and the thickness under examination, as well as 
the opening function. 

4. - EXPERIMENTAL PROGRAM 

An experimental program was carried out to support the 
analysis of the models The material used was Alclad 2024-T3, 
2 54 mm thick, tested in the longitudinal (L-T) orientation CA 
tests as well as VA (flight-by-flight spectrum and simple flight 
simulation spectrum) tests were performed It was decided to 
investigate the 'gust-dominated' spectra, typical of transport 
aircraft, to begin with, but in the follow-on part of the research 
other spectra will be used 

In particular, simplified flight simulation spectra, similar 
to those used by Schijve and Misawa |44], were used, as well 
as more realistic load sequences, like MiniTWIST [45) and the 
flight-by-flight wing root design loading history of a medium- 
range executive aircraft, [46| 

4.1       Fatigue test apparatus 
Two different servohydraulic fatigue machines were used, 

with capacities of 50 KN and 200 KN, respectively Each test 
was completely controlled by a PC, programmed to monitor the 
load generation and to acquire the crack length measurements 
at regular intervals, by means of the direct current potential 
drop technique The 200 KN machine was used for the 
executive aircraft flight-by-flight load sequence and for some 
CA tests All the other tests were performed on the 50 KN 
machine 

Centre crackcu panel specimens were used, of different 
width in the central section all the CA tests and the VA tests 
under executive aircraft spectrum were earned out on 
specimens 160 mm wide, while all the MiniTWIST tests and 
simple flight-simulation tests were earned out on 100 mm wide 
specimens The length of the test section was at least equal to 
twice the width The initial notch was introduced by means of a 
jeweller's saw and a natural fatigue crack was nucleated, under 
a proper CA load, up to 3 mm for narrow specimens and 4 mm 
tor large specimens, then the tests started Antibuckling guides 
»ere used in all cases 

A detailed description o*' the tests and oi the results 
obtained can be found in [47] 

4 2       CA test» 
ITie CA tests »cie carried out at lour different R ratio 

values (R--0 4, 0 1, 0 4. 0 f>5 i For the analysis of predictions 
relevant to gust dominated spectra, it was considered ol great 
importance to obtain CA crack growth data also tn the low 
stress intensity factor region Therefore, some tests »ere 
earned out using the load-shedding technique f \K decreasing I 

The results obtained are reported in fig V, transition 
points in the da/dN vs \K plot are cleaily visible and all the 
results are consistent with similar results in the htciaturc. [48] 

4.3       Simple VA tests 
Simple VA tests »ere earned out »ith simple block 

spectra, with the aim of obtaining experimental data for 
situations »here onlv a specific interaction effect »as active, a 
deliberately exaggerated situation More in particular, the 
simple VA spectra used »ere 
(aI the block spectrum required for obtaining the data lor the 
application of the I'KFl I AS model Two tests »ere earned out, 
using different maximum stresses of the CA eveies 56 Ml'a 
and 9(1 Ml'a. 
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(b) a sequence of 200 cycles, starting with a UL - OL (-45 MPa, 
110 MPa), while the remaining cycles were a CA sequence (45 
MPa, 85 MPa); 
(c) a sequence of 200 cycles, identical to the previous one 
except that this time the second, the third and the fourth peaks 
were also set equal to the overload (110 MPa) 

The results obtained are reported in fig 4 in terms of 
crack length as a function of the number of blocks 

4.4      Flight-by-flight tests 
Two llight-by-flight load histories were used in the test 

program: the MuuTWlST and an executive turcrait spectrum 
While the first one is a well-known standard spectrum, some 
comments are worthwhile for the second spectrum, which is 
characterized by relatively few interaction effects, a light 
ground stress (about -0.3 times the mean flight stress) and short 
flights (in average, about 11 cycles per flight: the total length 
was about 32000 cycles for 3382 flights). Different stress 
levels, representative of actual operating situations, were used 
the MuuTWlST tests were performed for S, » 60, 65 and 70 
MPa (3, 6 and 3 tests, respectively), and three stress levels 
were also used for the executive aircraft spectrum , $^„=160, 
180 and 200 MPa (I, 4 and 1 tests, respectively) The tests 
results are reported in figs 5 and 6. 

5. - ANALYSIS OF THE PREDICTIONS OF THE 
CRACK OPENING MODELS 

S.l       Main purpose and objectives of the analysis 
In the past, interesting reviews of crack propagation 

models have been published |5-8| The models have been 
examined in detail, as well as their ability to qualitatively and 
quantitatively predict certain physical phenomena single and 
multiple OL, Ul. effects, effect of high nominal stresses, plane 
strain - plane stress transition, delayed retardation, etc A 
summary of these analyses, from |5|, is to be found in tab I 

In the present investigation, particular attention is paid to 
the evaluation of existing models, carried out through an 
homogeneous set of test data, obtained both under CA and VA 
load spectra, and to the assessment of the reliability of the 
models and their dependence on input data Crack growth 
predictions were carried out using input data from the literature 
(an interesting survey is to be found in |49|) and compared with 
the results of the predictions carried out on the basis of the CA 
data obtained in the present test program; this allows a better 
assessment of the capabilities of the various models and the 
evaluation of the scatter in the accuracy and reliability of the 
predictions in the two cases 

As far as the assessment of the reliability of the models is 
concerned, following the methodology already developed in |3], 
the ratio N /NM|C for a fixed crack growth interval has been 
evaluated and considered as a random variable assumed to 
have a log-normal distribution The median value and the 
standard deviation of N^/N^ may provide more useful 
information on the predictive ability of the model A model is 
commonly classified as "acceptable" when the value of the ratio 
N /N^ falls within the 0.5 - 2 0 range, |8| However, the 
evaluation of a model on this basis only may lead to errors if 
there is the possibility of self compensating mistakes (eg 
deceleration in the first part of the propagation and acceleration 
in the final part) To overcome such a setback, the comparison 
of the experimental to the predicted crack growth rate for the 
two flight-by-flight load histories was also considered 

The use of different spectra should increase confidence in 
the evaluation, from this point of view, research is still in 
progress and will be extended to other load spectra, all 
belonging to die same group of "transport aircraft" spectra, with 
similar interaction effects 

5.2 Determination of experimental parameters for the 
application of models 

Computer programs were implemented, in accordance 
with the original references, and checks were made against 
results in the literature In the case of the CORPUS model, an 
interpolation algorithm was also set up, as an alternative to the 
use of an Elber-type law The reason for this choice stems from 
the observation that crack growth under a "gust dominated' 
spectrum is the result of the application of many small load 
cycles, which correspond to crack growth rates in the mcdium- 
to-small range, below the field of validity of the linear relation- 
ship of the Elber law Therefore, the use of an interpolation 
procedure seems to be a better solution and is usually adopted 
by many computer codes which are commercially available, its 
extension to the other opening models is m progress 

The parameters of the Elbcr-type equation are obtained 
by fitting the opening functions used by the models to the 
experimental data collected in the CA tests It was necessary to 
select a given range of data, since the linear behaviour in a log- 
log plot is relevant only to the Pans region Sensitivity tests 
were earned out, by varying the range of crack growth rates 
considered for the evaluation of the parameters C and m It is 
worthwhile pointing out that the related variations of C and m 
may be such to influence considerably the models predictions 
This fact highlights the need for a clear and well-defined 
procedure to obtain the values of die constants of the crack 
propagation law from test data for a correct prediction (in the 
sense of consistency with the model logic structure) Therefore, 
the data relevant to crack growth rates included between I0"4 

and 10"' mm/cycle were selected The following constants were 
obtained (units MPa\m, mm/cycle) 

ONERA model m=2 857, C=9 415 x 10'7, 
PREFFAS model m=2 780, C=6 327 x I0'7, 

while from data in the literature, it was assumed 

CORPUS model (|31,511) m=.V7,C=l 26 x 10'7, 
ONERA model (|29|): m=3.0, C=8 92 x Kr7. 
PREFFAS model m=3 7, C,=l 5364 x Kr8 for R-0 1 (|49|), 
opening function constants A=0 56 and B=0 44 (|25|), hence 
m=3 7, C=9.92 x 10"8. 

As far as the PREFFAS model is concerned, this method 
would prove not to be strictly applicable for the material and 
the thickness under examination according to (23-23 (, one 
should find that the experimental data from R=() 1 and R=0 I 
plus OL tests provide two parallel data fit lines on a da/dN - 
AK log-log graph, but that was not obtained in the present case, 
as may be observed from tig 7 Therefore, following the logic- 
approach of the model, the values suggested by the model's 
authors were used for the constants A and B, while the slope m 
was given the value pertinent to CA tests with R=0,1; C is 
denved from the A, B and m values 

5.3 Comparison   of the  experimental   and   analytical 
crack growth predictions 

The first point taken into consideration is the influence of 
input data on predictions Figs 8 show some of the results for 
flight-by-flight spectra, only one stress level, i.e. the one with 
the greater number of test curves, was selected As can be seen, 
the effect of the input parameters for the description of Üie 
crack growth law is different, according to the model taken into 
consideration As far as the CORPUS model is concerned, the 
effect is negligible, notwithstanding the fact that, as far as the 
input of data from the literature (1.1) in the figs ) is concerned, 
an Elber law was used, while an interpolation procedure was 
used for the present test data (I'D) input On the contrary, for 
the   PREFFAS   model   considerable   imptovements   in   the 
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accuracy of the predictions can be observed for all the spectra 
considered, using the material constants obtained according to 
the above mentioned procedure instead, the predictions 
obtained by means of the ONERA model, in the case of simple 
VA loading, show a noteworthy decrease in accuracy, even 
though for these spectra they were already poor Calculations, 
carried out in the course of the investigation but not reported in 
this paper, showed this method is particularly sensitive to the 
crack growth law: the use of a best-fit Fiber law obtained on 
data relevant to crack growth rates up to I0"2 mm/cycle 
resulted in considerable prediction differences This was 
attributed to the change in the slope of the best-fit line that 
produces differences in the evaluation of the crack growth for 
small AK 0-, which very often occur in a "gust dominated" 
spectrum Besides, differences in crack increments are also 
related to differences in the memory effects 

For a deeper understanding of (he relevant merits of the 
three opening models, a comparison was made between 
predictions and test results as far as the average crack growth 
rate in a block, as a function of crack length, is concerned Figs 
9 show some of the results it is clearly evident (hat predictions 
based on present test data | TO) are slightly closer to the 
experimental data than those obtained using data from the 
literature data (ID) Fig 9a, relevant tc the MimTWIST 
spectrum with Sl - 65 MPa, is particularly interesting 
CORPUS predictions are the only ones capable of following the 
trend of the experimental results, while all the other methods 
predict an average crack growth rate which increases linearly in 
a log plot Therefore, for small crack lengths such methods 
undcr-estimate the growth rate, while for large crack lengths 
the opposite occurs in other words, compensating mistakes 
may occur in the evaluation of the number of (lights required 
tor a given crack growth interval 

As far as the executive aircraft spectrum is concerned, as 
already specified, il has certain characteristics that make it 
different from the others relatively few interaction effects, a 
light ground stress and short (lights As a consequence, the 
maximum peak in the spectrum completely controls the 
opening stress evolution The logic of most models recogni/es 
the features of such a spectrum as being similar to those of a 
block spectrum, (his is mainly the reason why the CORPUS 
predictions are less similar to test data than in the case of the 
MiniTW'IST spectrum, fig 9c 

The simplified VA spectra had ' --en chosen in a manner 
thai proved (o be too mild' the delay efTecl was too small and 
the tests were almost completely CA tests It is interesting to 
note that also in this case CORPUS predictions are not verv 
accurate, lig 9d, in these tests the crack grows for a long period 
in plane strain conditions 

[Tie aeronaulical industry mainly requires crack growth 
models for the assessment of inspection intervals it is quite 
important for a model lo provide estimates that are independent 
of spectrum and crack interval nierefoie, the use of log-normal 
plots of the random variable NexJN^. for a selected interval 
was considered to be useful for a practical evaluation of the 
reliability of crack growth models I wo intervals were selected 
fa) from the initial crack length to 12 mm and (b) from the 
initial crack length to 25 mm A number of results are shown in 
figs 1(1 It is importanl <o point out Lhat PRIiFFAS model 
results show the lowest scatter and a reasonably log-normal 
distribution, while the results of CORPUS do not seem lo 
belong to a unique distribution For comparison, data from |49j 
aie also shown, sucn results are from various spectra (included 
Mini TWIST, F27, FALSTAFF, and their variations, all of them 
tor different slress level») and refer lo crack growth intervals 
different from those considered in this paper These results are 
much better than the present ones, both from the point of new 
of die mean value and the scatter Anyhow, the present results 
relevant lo the MiniTWISl spectrum are quite consistent with 

literature data, while the results from the other spectra seem to 
belong (o a different distribution A possible reason for this 
behaviour is assumed to be lhat such results refer (o tests where 
the crack propagated for a long peno<J in plane stress 
conditions, which is a situation where the CORPUS model 
works verv well 

The results relevant to the Generalized Willenborg model 
are shown in fig lOd, in general, the predictions are 
conservative and the scatter of the results of this rather simple 
model is not higher than the one of other models 

S.4      Some simple modification! lo the model« 
Some modifications were made to the models to assess 

the possibility of extending their capabilities or in an attempt te 
improve their accuracy 

In particular, the PRHFFAS program was modified, as 
already done in [49], in order to take each of the following 
aspects into account separately 
(a) disregarding the effects of rain-flow on the S ,tf history. 
(b) extreme simplification of the memory effect by keeping the 
opening stress constant in the whole spectrum, relating th; max 
peak to the minimum stress, which is posed by the model equal 
to zero 

The modifications introduced did not produce significant 
changes in the results, as shown in fig II, relevant to the 
MimTWIST spectrum, S| - 65 MPa, where the predictions 
relevant to the modifications are scarcely distinguishable The 
conclusion is that such modifications are ve little help, 
because the model contains certain semi-empirical constants 
thai allow a balancing of over- and under-estimates in various 
parts of the spectrum 

The CORPUS model is the one lhat receives most credit 
since it is able to simulate most of the interaction effects The 
results of the present investigation revealed a certain lack of 
accuracy in those cases where a large part of the c.ack growth 
occurs in plane strain conditions The spectra used in the lest 
program are quite 'mild', which has dcla\cd the transition to 
plane stress conditions The original CORPUS model takes the 
transition into account only by varying the si/e of the plastic 
zone, in this way, the initial part of the crack growth curve 
undergoes a small adjustment but does not follow too faithfully 
the test curve In the attempt to obtain a better prediction in this 
area, and following indications of recent papers by Newman 
[36] and Wang |5t)|, a modification was introduced in the 
computer program bv changing the condition relevant to the 
beginning and completion of the transition, which is expressed 
by two values of YK »and by using a specific opening function 
for plane strain conditions, namely the one proposed in |51| A 
number of results are shown in fig 12 an appreciable influence 
can be observed, which indicates that this is an important point 

6 - SUMMARY AND CONCLUSIONS 

A research program is in progress at the Department of 
Aerospace Fnginceriiig ol the University ol Pisa concerning the 
assessment of currently available craA growth prediction 
methods The experimental part of the research is carried out 
on 2024-ft Alclad alloy, test results under CA and VA loading 
have been obtained, to be used as a lest case for the models 
Particular attention has been devoted Vo the models based on 
the crack opening phenomenon and in some cases attempts 
have been made to modify those aspects, which are supposed 
not to be covered adequately by the models 

In particular, the following is a summary of our 
conclusions 
(a) CA test results obtained in the present investigation arc 
tank consistent with similar results available in the literature, 
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(b) the influence of the use of present test data instead of data 
in the literature is relatively small in the case of CORPUS, 
while the changes in the predictions obtained with PREFFAS 
have shown the importance of the range of data selected for 
obtaining the constants C and m, 
(c) the CORPUS model, mainly for the MiniTWIST spectrum 
but to a minor extent for other spectra, too, is capable of 
providing the same trend of crack growth rates in relation to 
crack length as the test data, this is attributed to the more 
complex logic of CORPUS and is better simulated in the case 
of spectra with a short period of plane strain conditions, 
(d) a relatively simple method, like PREFFAS, is able to 
provide the industrial designer with virtually good estimates of 
crack growth interval ratios, in a significant range of spectrum 
and stress level; 
(e) the Generalized Willenborg model, still widely used, even 
though based on a rough modelling of the crack growth 
phenomenon, provides in general conservative results, with a 
scatter not larger than the one of the other methods Similar 
conclusions can be drawn for the Wheeler model, which is not, 
strictly speaking, a 'prediction' method, since it needs to be 
tuned on the basis of the results of some tests, which anyhow 
n.list always be carried out to validate the analysis; 
(f) some simple modifications nave been made to PREFFAS, 
with negligible effects on the predictions, 
(g) the transition from plane strain to plane stress conditions 
seems to play an important role; a better description should be 
introduced in the models, since its effect is important, 
particularly for 'mild' spectra 
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SUMMARY 

Experimental measurement and neural network based 
prediction of wind tunnel model empennage random 
pressures are discussed. Artificially generated neural 
network power spectral densities of surface pressures are 
used to augment existing data and then load an elastic finite 
clement model to obtain response spectrums. Details on the 
use of actual response spectrums from flight test data arc 
also discussed. A random spectra fatigue method is 
described which effectively combines buffet and maneuver 
loads into a time series based on aircraft usage data. A 
peak-valley damage analysis procedure is employed to 
compute the aggregate fatigue life of the structure based on 
the combined load time series information. Applications of 
the method as a continual learning tool for buffet response 
spectra is elaborated. 

AOA Angle of Attack (degrees) 
F Frequency (Hz) 
F(n) Contribution to power spectrum of p /q 

in frequency band n 
HCNN Hybrid Cascading Neural Network 
L Characteristic Length Scale 
MRB Root Bending Moment (in-#) 
MRB Nondimensional Root Bending Moment 
MDA McDonnell Douglas Aerospace 
MLP Multi-Layer Perceptron 
n Nondimensional Frequency Parameter 

f*UU 
NASA National Aeronautics and Space 

Administration 

P l^essurc (PSI) 
PSD Power Spectral Density 
q.Q Dynamic pressure (PSF) 
RBF Radial Basis Function 
RMS Root Mean Square 
U Free Stream Velocity (in/sec) 

NOTE:    Bar over symbol means RMS value. 

1. INTRODUCTION 

Aerodynamic vortices develop from the leading edge's of 
fighter aircraft during high angleof-attack maneuvers. 
These vortices impinge upon portions of the aircraft 
structure causing high frequency vibrations. The high 
frequency vibrations, known as buffet, induce dynamic 
stresses into the structure, which in turn, cause rapid 
accumulation of fatigue damage. Figure 1 shows 
aerodynamic vortices originating from a forward position on 
the aircraft crating buffet loading on the aft portion. 

Because future aircraft wiJ] be more maneuver able, they 
may be subjected to even more severe buffet environments. 
Buffet loads, therefore, should be included with maneuver 
loads in preliminary aircraft design to prevent early fatigue 
damage and reduce maintenance costs. The ability to 
accurately predict random pressure environments on the 
empennage of a fighter aircraft in the advanced design stage 
has been quite difficult due to the complexity of the 
interaction between the aircraft geometry, flow Held, vortex 
path, and empennage structure. While existing aircraft lest 
data can provide an estimate of these dynamic and static 
load environments, more accurate and robust prediction 
methods must be addressed to avoid costly post production 
repairs. 

To be able to accurately predict the fatigue life of aircraft 
structures exposed to buffeting environments, detailed flight 
test or wind tunnel response data must be obtained. Project 
limitations and time constraints do not always allow for the 
gathering of this detailed information at all possible Q and 
AOA conditions. To alleviate this problem a neuraJ 
network based learning algorithm has been investigated for 
possible use in augmenting this information which is 
required for fatigue life calculations. 

Since empennage environments on fighter aircraft arc a 
complex combination of dynamic loads and static maneuver 
loads, the neural network generated PSD's are combined 
with maneuver load spectrums to form a total fatigue 
spectrum. The load history is then used for a peak valley 
analysis to compute crack initiation and crack growth 
fatigue lives. 

2. BUFFET ENVIRONMENT MODEL1NC, 

In 1987 a cooperative research effort between NASA LaRC 
and MDA was initiated to study the effects of vortex-tail 
interaction process for a 76 degree delta wing with twin 
verticil tails placed aft of the wing (Rcf, 1). The twin tails 
arc illustrated in Figure 2. This geometrically simple 
configuration was chosen for this initial investigation into 
buffet environment modeling because it contained the 
pertinent physics involved in the vortex-tail interaction 
process and reduced undesired aircraft geometric influences. 
The experimental investigation measured both die RMS 
magnitude and frequency of the rigid tail pressures as well 
as the bending and torsion moments of the flexible tail for 
various Q, AOA and tail positions. 

This set of lest data was chosen as the first test bed for 
using a buffet environment neural network model before 
implementation on actual aircraft flight test data   The 
approach was to create a neural network nuxle! of the rigid 
pressure loads on the empennage structure and then use 
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these loads for finite element analysis of flexible tail 
response. In this manner, the neural network system 
verifies the pressure field model and its ability to predict 
and correlate flexible response with wind tunnel data. 
Eventually, the method will he used to model actual full 
scale flight test empennage rcsptin.se data. 

Figure 3 represents the RMS buffet pressures near the tip of 
the rigid tail and the RMS bending moments of the flexible 
tail for inboard and outboard tail locations as observed 
during the NASA/MDA test program. The RMS buffet 
pressure and the RMS bending moment exhibited similar 
trends as the angle of attack was increased. Near 30° angle 
of attack there was significant increase in the buffeting 
levels for both tail positions. These highly nonlinear 
changes in the RMS pressures and bending moment 
responses are typical of empennage structures exposed to 
buffet environments, A distinct change in frequency content 
of the pressures was also observed as the angle of attack 
was changed (Figure 4). The peaks represent coherent 
fluctuations in the flow and are extremely difficult lo 
predict even with today's modern CFD methods but are 
important for accurate fatigue life predictions. 

The data gathered during this joint NASA/MDA program is 
ri.nilar lo that of previous model and full scale tests. 
Several investigators have developed techniques to 
nondimcnsionali/e both rigid and flexible response 
information into usable quantities. However, those 
techniques lack the ability to effectively extrapolate to other 
test conditions or configurations not investigated (Ret. 2,3). 
Attempting lo use traditional regression techniques to model 
this tvpe of buffet data is extremely difficult due to the 
muiupk number of noisy parameters that interact in a non- 
linear manner (Kef 4).  However, neural networks are 
especially adept at modeling this kind of data because their 
inter connected algorithms can accommodate these 
nonlinearities. They can generally be defined as massively 
connected, massively parallel networks with the ability to 
learn. One of their most important characteristics is the 
ability to generalize from the data they have already seen, 
which makes them a good candidate for modeling the sparse 
buffet data (Ref. 5). 

The details on the evaluation of specific neural network 
architecture's to model the buffel data can be found in 
Reference 6. This paper will only show the applicability of 
the method for generation of PSD specurums which can be 
used fur a combined loads fatigue analyses. 

It is desired to predict the PSD pressure of the aircraft 
empennage, caused by upstream vortex impingement, as a 
function of free stream dynamic pressure, angle of attack, 
tail chord and span location of the pressure sensors, and 
positions of the rigid tail relative to the delta wing. In total, 
three dynamic pressures rangin« from 3.3 lo 7.7 PSF. fifteen 
angles of attack ranging from 0 to 40 degrees, five sensor 
positions, :wo tail positions, and 49 frequency bands were 
combined to form 7350 input/output pairs. The neural 
network architecture developed to model this data is shown 
in Figure 5. A combination of two types of networks were 
used which consisted of a Multi-Layer Perception (MLP) 
(Ref. 7) and a Radial Basis Function (RBF) (Ref. K). The 
overall network is called a Hybrid cascading Neural 

Network (HCNN). The HCNN accounts for the wide 
variation of PSD magnitudes between low and high angles 
of attack by employing a scaling method which allows for 
equal emphasis of all training data. 

Predictions of this network as compared lo the actual lest 
data is shown in Figure 6 for ? few representative angles of 
atiack. Its ability to maintain the correct shape and identify 
modes in the PSD make its increased complexity 
worthwhile. Individual frequency PSD values varied by 
approximately 10% for the trained data. However, the 
integrated overall RMS values were within 5% of the test 
results. 

X BITFET RESPONSE SPECTRA «ENERATIOS 

In general, bending moment response of an empennage 
structure is directly obtained from full scale flight test data 
and used for subsequent fatigue calculations. Since the 
neural network was trained with rigid pressure wind tunnel 
data, flexible response information was still required for use 
in fatigue calculations. To demonstrate this, and to 
correlate with the response of the flexible rail in the wind 
tunnel, a finite element model was constructed of the 
flexible tail. The details of the model are discussed in 
Reference 6. The neural network mode! of the pressure 
environment was used to generate pressures over ihe entire 
surface of ihe tail to supply refined pressure distributions lo 
the finite element model. The neural network provides an 
unbiased method of distributing pressures measured at only 
five points on the (ail over the entire surface of the tail   The 
level of resolution which is obtainable for die pressure field 
is illustrated in Figure 7. Two sets of random forced 
response solutions were run on the NASTRAN finite 
element model. The first set consisted of a segmented grid 
of pressures which were simply a PSD value from one of the 
five sensors based on ihe best guess distribution of ihe 
model test data. The second set used unique PSD 
information for each grid based on the neural network 
prediction. Solutions were run for AOA's from 20° to 40" 
and the results are shown for both tail positions (Fig. 8). 

The neural network has comparable results as that of the 
use of the test data directly. An important benefit of ihe 
neural network approach is its ability to continue learning 
with more information without re-training the whole system 
This can be very advantageous for incorporating multiple 
flight 'est data over the lifetime of an aircraft. 

The method described in the preceding paragraphs is a 
general approach to modeling sparse hülfet type data   This 
method can be employed in a similar manner on actual 
flight test response data as is illustrated in Figure 9. In the 
future, automated procedures will download flight lest 
response data directly into a learning algorithm, such as 
described within, to fill in missing PSD information for 
other Q and AOA conditions as well as providing future 
aircraft designers with a valuable tool. 

i. WMPLETE SPECTRA ASSEMBLY 

In order to predict the fatigue life of the structure, the buffet 
response must be characterized in terms of a stress history. 
The fir: I step is to generate a PSD curve at each AOA Q 

•      • 
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condition using the neural network method. A random 
buffet load history is then generated for each PSD. The 
load history is obtained! by using a random number 
generator to select points on the PSD curve. These points 
defined a random sequence of load levels. Fatigue analysis 
requires only the peaks and valleys of each load cycle. 
Therefore, the peak and valley history arc extracted from 
the random sequence of toad levels. 

Next, the steady state load experienced by the structure at 
each AOA-Q condition needs to be superimposed with the 
buffet loads. 

The buffet information must be organized info a series of 
high angle-of-attack maneuvers which represent the way 
aircraft fly. Flight test data indicate that as an aircraft 
increases its angle of attack, the Mach number and 
corresponding dynamic pressure drop. The angle of attack 
decreases as the maneuver ends, and in general, the Mach 
number and dynamic pressure remain at or near the lowest 
level experienced (Ref. 9). 

In a possible model of high angle-of-attack maneuvers, the 
angle-of-attack during each maneuver is ordered in a low- 
high-low sequence. The corresponding buffet and steady 
state loads occurring at each AOA-Q condition are then 
ordered as illustrated in Figure 10. The duration at each 
AOA-Q condition is determined from fleet usage data which 
describes the amount of lime aircraft spend at various 
anglcs-of-attack and dynamic pressure levels. 

If low angle-of-attack maneuvers occur, they may induce 
steady state loads without buffet. These loads can be 
included as a separate block of cycles or they can be 
included at the beginning and at the end of each flight. 
These two options are illustrated in Figure 11. 

The final step is to convert the load history to a stress 
history using standard stress analysis procedures. They can 
make use of strength of material equations or finite clement 
methods. 

S. COMBINED LOADS FATIfilE ANALYSIS 

Buffet cycles occur in large number because of their high 
frequency relative io steady state loads. In the analysis and 
verification of fatigue life, these large numbers can 
contribute to long lest limes. Two methods exist for 
decreasing the number of cycles in the buffet stress histories 
described in the various section (Ref. 9). One technique is 
to simply eliminate small cycles that do not cause much 
damage compared to the rest of the stress cycles, is typically 
called truncation and is illustrated in Figure 12. 

In the second procedure for reducing the spectrum, stress 
cycles with similar amplitudes and peak stress level are 
grouped into "blocks". A reduction in spectrum size can be 
obtained by replacing blocks of constant amplitude cycles 
with larger amplitude blocks containing fewer cycles. The 
value of each peak stress is held constant, but the amplitude 
is increased so that the new spectrum is predicted to do the 
same fatigue damage as the original spectrum. Figure 13 
illustrates an example of this method. In the figure, 110 
cycles have been replaced with 55 cycles which cause the 

same damage. This procedure is effective, but needs to be 
verified for the particular application, because excessive 
reductions in the number of cycles can lead to inaccurate 
results. 

Once the stress history has been determined and the number 
of cycles reduced with the above procedures, the fatigue life 
can be predicted. The total fatigue life is composed of a 
period needed to initiate the fatigue cracks and the 
remaining life needed to propagate these cracks until failure 
of the structure occurs. 

Crack initiation predictions use stress versus life (S-N) 
curves for the materials. The stress for each load cycle 
causes fatigue damage which can be computed with the 
S-N curve. The damage is added using cumulative damage 
procedures such as Miner's Rule. Crack growth is predicted 
using crack growth rate versus stress intensity factor (da/dN 
vs. AK curves for the material). The stress intensity factor 
for each load cycle is used to predict the crack growth rate. 
Crack growth is predicted by adding the growth predicted 
during each cycle. In both segments of the life, the presence 
of buffet stresses cause a major impact on the total life. 

One area of particular concern is the superposition of buffet 
and steady state loads. The fatigue damage caused when 
buffet and steady state loads occur simultaneously is much 
greater than when buffet occurs by itself (Fig. 14). 
Analytical models need to correctly combine dynamic and 
static loads n order to predict accurate fatigue life. 

The results of including these combined loads into the 
calculation of fatigue life is illustrated in Figure 15. In this 
figure, a series of aluminum test specimens were tested with 
various combinations of load spectra. As can be seen in the 
results for crack initiation and crack growth life, the 
structural life is significantly reduced when the maneuver 
load cycles are combined with the random buffet load 
cycles. 

6. CONCLUDING REMARKS 

A method has been established which utilizes buffet 
response PSD curves to combine with static loads for a 
combined spectrum life analysis. Neural network learning 
algorithms have shown the ability to learn and then augment 
sparse buffet data for needed Q AOA conditions Combining 
this information with maneuver load time histories provides 
the necessary information to perform crack initiation and 
crack growth analysis in order to arrive at more accurate 
fatigue life predictions. Results from coupon testing shows 
that structural fatigue life is greatly reduced when buffet 
loads are included will) maneuver load cycles in the 
excitation spectra. The random PSD method for fatigue life 
prediction is conservative when compared to actual flight 
lest data but is a simplified way of generating flight-by 
flight spectra for lest, analysis, and design (Ref. 9). Future 
work in neural network modeling and fatigue caused by 
buffet environments will include the effects of upstream 
geometry, vortex characteristics, and transient maneuvers. 

B 
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Figure 7. - Surface Contours of RMS Pressure Using Neural Network 
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Figure 9. - Coirbined Buffet Analysis and Fatigue Life Prediction Procedure 
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Figure 14. Buffet Load Cycle Incorporation with Maneuver Loads 
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SUMMARY 

Fatigue life evaluation has been performed for 
flight-by-flight loaded coupons and real aircraft 
structural components made of 7075-T73M using 
the local strain approach and a fracture mechanics 
based parameter. Results show that this approach 
can well compete with the traditionally used nomi- 
nal stress approach. The advantages are a better 
understanding of material's fatigue behaviour and a 
less experimental effort required for the determina- 
tion of baseline data making the local strain appro- 
ach interesting also for redesign within aircraft 
mid-life improvement updates. 

LIST OF ABBREVIATIONS 

a crack length 
a constraint factor 
C constant in crack growth law 
D damage sum 
E Young's modulus 
e strain 

F, size factor 

I, stress integral 
J J-integral 

K, fatigue notch factor 

K, stress concentration factor 
K cyclic hardening coefficient 
m exponent in crack growth law and 

damage parameter life curve 
MAFT major aircraft fatigue test 

N number of cycles to initiation of 
cracks of technical size 

n cyclic hardening exponent 

P. J based damage parameter 

■ 1WT Smith. Watson. Topper damage 
parameter 

constant in damage parameter life 
curve 
exponent   in   Weibull-equation. 
related to stress 
stress ratio 
nominal stress 
stress 

I INTRODUCTION 

In Europe fatigue assessment of components of 
mUitary aircraft is conventionally performed on the 
basis of preliminary parametric fatigue analyses 
followed by a tull-scsJe fatigue test. Key elements 
of the fatigue analysis are a stress concentration 
factor, stress vs. fatigue life (S-N) curves for joints 
and coupons, baseline aircraft fatigue loads spectra, 
load cycle counting algorithms and the Palmgren- 
Miner damage accumulation rule. Based on these 
elements components are designed where assump- 
tions have to be made when understanding of real 
material fangue behaviour is still not fully accom- 
plished. These assumptions therefore mainly require 
validation in a full-scale fatigue test 

A methodology aiming at belter understanding ot 
the fatigue behaviour of components which inevita- 
bly contain notches has been given with the local 
strain approach According to that approach notch 
root stress-strain ranges are calculated and used for 
cumulative damage assessment based on material 
fatigue data Thus the failure cntenon is equivalent 
to a given technical' crack size In principle fati- 
gue-relevant effects resulting from mean and resi- 
dual stresses, different specimen sizes and surface 
conditions can be accounted for Various versions 
of this local strain approach principle have been 
proposed so far. yet it has to be acknowledged thai 
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the equivalence principle between the notch root 
and unnokhed specimen a* well as the linear accu- 
mulauon of fatigue damage are aspects where im- 
provements are «oil required 

Application of the local strain approach to aircraft 
structures has been lanaed during ihr past (1.21 
Reasons include the geometric cornptexjty of at 
craft structures te g nveted joints, aid (he mflum 
ceofvarosu manufacturing K g surface trcatawt» i 
and environmental (eg corrosion) effects It a 
interesting to note, however, that the IS Navy 
applies that approach for usage monitoring in com 
btnabon with full scale lest results j'] On a rese- 
arch level, other example-; «elude studies on life 
prediction for notched 2024 and 7010 specimens 
i ONER A i. fatigue lite evaluation of modified air- 
craft structures and low cycle fatigue evaluation of 
aircraft engine parts >*■*>) 

The traditional nominal stress approach account» 
for fatigue-relevant effects globally by testing com 
penents for determination of ba*ehne S-N curve« 
Thts requires a large amount of component testing 
and gives no direct access to the prevailing fatigue 
mechanisms, though it has to be acknowledged thai 
often a detailed modelling of complex structures foe 
fatigue analyses is beyond the scope of pracncal 
application 

It is widely accepted that a major pan of the fati- 
gue life of components and structure» consists of 
growth of short cracks which may nucleate at a 
very early stage in life followed by a long crack 
stage This has recently led to the development of 
a fracture mechanics based damage parameter {7| 
applicable within the framewoik of local strain 
approach concepts considering load sequence-dnven 
opening and closure of short cracks and a transient 
fatigue limit Thus the damage parameter follows 
an effective loading parameter concept «equivalent 
to jn effective u«,.k driving (MKiueicr used in 
crack propagation models i and a more roaiivti-. 
modelling is achieved 

In order to assess and validate the progress achie- 
ved, predictions for a variety ol notched 7075- 
"PMl aluminium coupons under constant amplitu- 
de and fighter aircraft spectrum loading are presen- 
ted and discussed Moreover, examples of real 
aircraft components selected from the major aircraft 
fatigue test iMAFTi of Panavia's Tornado fighter 
aircraft are included in order to demonstrate practi- 
cal applicability 

2 THE   AIRCRAFT   FATIGIT   DES'GN 
PROCESS 

Faugue design of an aircraft structure can be . <«u 
dered as an iteration process between nunencal 
and experimental faugue life evaluation 

The mmai step is to dettnusat faugue silo»*!« 
usually a terms of the function of allowable stress 
i usually maximum stress ■ versus K, for a denned 
design liSe under a given load ipectn— Thu func 
uon is used by designers m a gindrnne to account 
for the influence of (augur in a fust approach k 
values for the notches »ittun me aircraft compo- 
nent torrstdered ur rstunjted 

A detailed analssts is then preformed on i numm 
>.af oasis (eg bv tnuhr tie meist uufvvtv for the 
-ritKil areas of the atrcrafl component lonudrred 
where K.-values can rt'-w be detemmed more pre 
ctsely Thts van lead to K. values higher than those 
determined mroallv hinhennorr nkiiiK-nai «HOT 

mation iv.uUblr m the meantuwe <« ihr toad J» 
inbution leads to changes wiifun ihr load spevrrun. 
»huh rinalU nuv rrquirr a rrrvaluaiiori and povu 
My modifkjtion of fatigur <.nt>cal partv hem« mr 
second step of ihr fatigur design process 

vviirun the nrxi step thr numrnvallv optim.red 
aircraft structure LS vabdaied rxprnmenratlv ruhei 
bv testing spevifiv lomponents or in a roll *.ale 
fatigue lest Arras within thr jji.ru' stru^turr 
whrrr cracks alrrads <xmr during ihr rarK «age 
of fatigur testing ire rranaivnrd with respect to thr 
vtiains occunng in ihr rrvrir«,tivr irra load levels 
and distributions arr measured in "-.Irr to obtain ■ 
morr rralistn «'ms-Mram sequemr Thr nr» virr-sv 
«rquencr is mm used for a numrrHai irev ilujnnn 
of fatigur lilt* '.vtiuti mav rni] up in a nvidifKaGnri 
of thr aircraft ii«t>ponrnf Fatigur fraclurr v. un/i* 
in thr later viagr of It» design life nu\ rrqwrr 
m«(iiKji!"ti o( irr aircraft component *v »r!l 

A morr druilrd description of established ijii^ur 
jsvessmrnt pr.icrduirs fot nnlii.u". jmrift i. «ivrn 
in I«! 

' RELEVANCE OF IMPRoVFI» NOTCH 
l-ATUil I-    ASSESSMENT    B»R    AIR 
(RAFT COMPONENTS 

Faugue is a major reason for failurr in ^omponenlv 
of jinraft structures Following a studv prrfomird 
hv IABG/DASA around "If» of failures observed 
on Tornado-MAFT  vrrr 'elated to fatigue   An 
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analysis of lie fatigue failures identifies two major 

groups «ach comprising about hall of the failures 

About one half is related to tatigur failures iesul- 

tmg from fastenert such as rivets or bohs For such 

a type of failures thr local mm approach appears 

not to be «niaNr for a stmfeat assessmec* 

The imumtnf approumatr half of thr fatigue 

fauna» however are not related to fasteners and are 

potential area» for apphcatjon of a local strain 

based evaluation In ntmtrvnt approtamaleh one 

thard of these fashutn couU be related to non «tan 

lMd surface costhvoos noun sue effects and 

«■taapr. miaaafaw« atohteaas Another aunt B 

due to assusflaqtui knowledfr ! Ksad dasartrwraon 

The irmaMunf rhard fetuMed trom «ant«» effects 

«ach a>  .•«■rw.jard notch geracernrs 

The above aaahssi JraKwaraao tat area» rust 

»hert dar drvevnouara »r»5 appkeaaw« « advanced 

local «ram bated Mr predtcur« apemache« aft* an 

K> be | 

a I 

ESTABUVHU»    FAT*,» t    ASSfcJA 
VttVT PIKKTIXHtS 

Nnatual Strew \fr« *. t 

srua«a cwulK Bathl I ** fur-^w* 

■uhtan anxraJt i fnrrriH feaurd -a > vami 

i4ar*s assMnach Tian avauiaes ArtRuaaujIwB ~* 

men oaaxrtutssuaa (acves ft. S s .«*■»-> •>* 

«*>•»» '«.or Mi. aarctn , »- .s.t» 

I tan iinTiii i and fv ^akwfPf« Maarr iaau 

rr accnauah» natr 

ft. »bach i* ■    ■» *riatf4 » . •*a drterd » r 

nal «asm • ratarr am—w hem %an>*N . « ■ 

fanar manual aaatvts at < vaaalr «ru fsstuu» • »• 

atuujanaa m* pramar^ w> aw **.•. • e«pn.ar>i 

'itfht 'fi^f'■ pi fumufltiH^ HUfauastatl r 

aircraft ' i tantiar rvpr * oaubMr » <*ar*iar' 

■r^ntners eg FALSTAfT Traätmudh * - 

.'■««am load och? vKirf «as been «mi *>* 

recetat« ra—% a .raaaang hat bee» ■•> ■ f-fr- i 

br most araaut* S-N .jr.»- • f Aftrarat rvprv at 

amchri aad auarnab are ndarr a«aa»ab» trrwi 

baadenatt at have a he detraatntH a» ; *r < 

it it IT raadrhar« ( r T* «wcif». »• -»- ..«si 

deacd 

raatgur bar at thr uractwrai auapauna a •■»*.< 

ted for thr toad tpr\t.wn     tm»H": mmg S v 

curves for different mean stresses and the appro- 

priate type of specimen, and thr Palmgren-Miner 

damage accumulation rule 

Given the fact that S-N curves are not available for 

arktrarv values of K. specific curves have either to 

br determined b> interpolation between the experi- 

mentally determined ones or the component's fall 

fat lite is evaluated on the basts of an available 

S-N curve for a K.-value being slightly above the 

K. value of the detail considered 

Whenever potubte a relative Pataigrrn- Miner rule 

u appbed using experimental results for tnndai 

notch tvpe cnaapotteata and a similar load spectrum 
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Fig. 1    Local Strain Approach 

mdaied following Palmgren-Miner's rule. Mean 
stress effects are usually taken into account by use 
of socalled damage parameters [11] empirically 
formulated on the basis of constant amplitude test 
results. A damage parameter being widely applied 
has been proposed by Smith, Watson and Topper 
[I2| and extended in [13] 

P»«T = [to. + k  o„)  e.  E]°J   (3) 

where k is a material constant. For application 
normally the baseline material's fatigue life rela- 
tionship which may be derived from »ests or mate- 
rials data collections [14,15] is formulated in terms 
of the damage parameter being used (see Fig. 2). 

Although the Smith. Watson, Topper parameter has 
attracted much acceptance its application suffers 
from the fact that load sequence effects cannot be 
accounted for 

To account for the influence of notch size and state 
of stress, a notch fatigue factor K, is used instead 
of K, Various solutions have been proposed where 
Peterson's formula 

has become quite popular, with a being a material 
constant and r the notch radius. Alternative solu- 
tions consisting of an appropriate shift of the mate- 
rial's damage parameter life curve by a constant 
factor are explained in chapter 5.5. 

Al  707S  -  T  7351 

E *   '1000 MPa 
K ,       "3 MPa 

!   C   I   O 

CYClES 

Fig. 2    Material's  baseline  data,  PSWT damage 
parameter 

K, + a/r 

1 +a/r 
(4) 
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5.1 

THE FRACTURE MECHANICS BASED 
PARAMETER 

Introduction 

Aiming at a closer description of the physical pro- 
cess of fatigue under variable amplitude or spec- 
trum loading, a model for fatigue life prediction has 
been proposed in Ref. [7] and extended and applied 
in some further papers [16-19] based on fracture 
mechanics of short cracks. For years crack closure 
has been identified as a main driver for load se- 
quence effects on crack growth. Consequently 
modelling of crack closure and opening levels in 
order to derive some effective crack driving force 
represents one of the key elements of that socalled 
P,-model. Since that mode! had beer developed for 
prediction of technical 'crack initiation' in the 
framework of local strain based concepts, it pre- 
dicts effective stress-strain ranges for each cycle 
identified within the load sequence. 

Those effective stress-strain ranges in conjunction 
with a gradually decreasing fatigue limit are the 
means that allow for nonlinear cumulative damage 
effects. Some details of the model are explained in 
the following. 

5.2 The P, Parameter 

Since spectrum peak loads may introduce elasto- 
plastic conditions at notches the cyclic J integral 
for has been chosen as an elasto-plastic fracture 
mechanics parameter for the description of crack 
growth, i.e. damage accumulation. The baseline 
behaviour may therefore be described by 

da/dn = C  AJ,f (5) 

Considering a nearly semicircular crack shape most 
common to small cracks, AJ,rf can be approximated 
using Dowling's formula [20] 

AJ.„ =    (1.24   Ao.„/E + 
1.02Aa,>"[A£.„- AoVE])   a    (6) 

where Ac.,, = a„„ - oc, and Ae.„ = e„„ - e„. The 
term in double brackets in Eq. (6) is independent of 
crack length and is interpreted as the damage para- 
meter P„ leading to 

AJ., P,   a (7) 

Taking into account the equivalence of crack pro- 
pagation and damage accumulation calculation. P, 
is applied for cumulative damage analysis just as 

other parameters. Accordingly the material's fatigue 
(strain)-Ufe curve is represented in terms of a PrN- 
curve which can usually be described by a power 
law equation (see Fig. 3), 

P,"  N = 0 (8) 

20 k~" 

•C; 

Q2) 
c--;-~zi 

Al  7075  -  T  7351 

E -   '1000 MF,i 
m.       20 

.N 

Rg.3 

CYCLES 

Material's baseline data, P, damage para- 
meter 

Since N in Eq. (8) represents the life between a, 
and a,, integration cf the crack growth law (Eqs. 
(5) and (8)) allows an estimate of the initial crack 
size a, which is associated with the original st/ain- 
life curve via 

a0 = {a,"™-(i-m)   C  Q)" (9) 

It has to be emphasized, however, that Eq. (9) 
gives a fictitious or equivalent initial crack or flaw 
size which implicitly takes into account the effects 
of microstructure, surface finish and specimen size. 

5.3        Crack Closure and Opening 

Opening and closure of short cracks has been in- 
vestigated by several authors (e.g.(16,21,22|) with 
the - surprising - result, that the experimental trends 
are reasonably predicted by Newman's formula 
originally developed for long cracks [23]. New- 
man's formula as well as an extension introduced 
in order to better allow for mean stress dependency 
of different materials can be found in Ref. [18], 

As a second important result of short crack closure 
examinations, it was found that for elastoplastic 
loading conditions closure and opening better 
coincide in terms of strain than in terms of stress, 
Fig. 4. Consequently crack closure and opening 

* 
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Fig. 4 Crack closure and cpening levels as mea- 
sured for a nickel base superalloy for three 
limits of strain [31] 

strain levels should be considered. For multi-level 
loading an immediate change of the opening strain 
level for low-high sequences and a gradual adapta- 
tion of the new opening level for high-low sequen- 
ces had been observed. These findings have been 
translated into a set of rules for the determination 
of load sequence dependent strain levels for crack 
opening and closure which are given in detail in 
Ref. [16]. The corresponding opening and closure 
stress levels are calculated using the cyclic stress- 
strain curve on a cycle-by-cycle basis in connection 
with nainQow analysis techniques (i.e. memory 
effects). 

5.4 Transient Endurance Limit 

A furthei important feature of the model is the 
consideration of a transient endurance limit which 
depends on the accumulated damage. Based on 
Tanaka's model [24] for the threshold behaviour of 
short cracks and the above equations, it can be 
shown how the current endurance limit, P,„ de- 
pends on the current accumulated damage, D = 
I n/N„ leading to 

(10) 
[(a,1-V)   D + V-]«'"•' *»'-», 

where a' = AJ,„Jb/P,t0 is called an intrinsic crack 
length. Tb: equivalence between damrqe and crack 
length is visualized in Fig. S where normalized 
endurance limit is plotted versus crack length (Kita- 
gawa-Takahashi plot) as well as versus damage D. 

Since the failure crack size was 0 25 mm for the 
example chosen (specimen diameter 6 mm), the 
endurance limit for D = 1 is still higher than zero. 

FeEtM 

OS 
DAMAGE SUM, D 

Fig. 5 Crack length dependent endurance limit 
(Kitagawa-Takahashi plot) (top) and endu- 
rance limit as a function of damage sum D 
(bottom) for a structural steel 

5.5        Notci Size and State of Stress 

Size affects the fatigue strength of specimens and 
components. Size effects due to the statistical dis- 
tribution of failures can be successfully handled by 
weakest link principles introducing Weibull's equa- 
tion describing the probability of failure in terms of 
life or stress. As shown in [25], the relative fatigue 
strength of components of different sizes and sha- 
pes can be described by a factor 

F.-flA.-)-"'   (ID 

where Is = /[a(*,y,z)/o,„„), dV is the stress integial 
representing a measure for the highly strained volu- 
me (or surface) under consideration of some (in- 
trinsic) scatter of the material's fatigue strength. 
With respect to the P, parameter concept, F, gives 
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Fig. 6    Coupon geometries and dimensions 

a measure for adjustment of toe basic P,-N curve in 
terms of P,. Since P, exhibits a quadratic stress 
dependency, the actual shift factor is Fs

2. In terms 
of crack growth, a different initial equivalent flaw 
size a, can be associated with the adjusted P, curve 
(smaller \ for smaller volumes) which unambi- 
guously corresponds to engineering views. 

Multiaxial states of stress at notches may influence 
crack growth by at least Cwo mechanisms: the ope- 
ning and closure stress levels are different (lower 
for plain strain when compared to plane stress) and 
the crack opening displacement may be affected. 
Crack opening displacement is proportional to the 
J integral and to the P, parameter. In Ref. [18] an 
approximative solution is given for biaxial stress 
states which prevail at near-surface areas. For this 
solution, the constraint factor a used in Newman's 
crack opening equations as well as the ratio of 
biaxial versus uniaxiat crack opening displacements 
have been formulated as a function of the stress 
ratio oyo,. 

6 APPLICATION - TEST DETAILS 

6.1        Specimens 

The approaches discussed above were applied to 
both ~ set of spectrum fatigue data of notched 

coupons with open holes and two components of 
the center fuselage of Tornado MAFT made of Al 
7075-. ^351 alloy. 

The experimental results for the notched specimens 
were taken from earlier studies [26,27]. Specimen 
geometries and dimensions are given in Fig. 6. 
Notch factors and other constants are compiled in 
Table 1. For the majority of tests, crack initiation 
lives have been determined besides total life. Crack 
initiation is equivalent to a crack with a fractured 
surface of about 0.3 mm1. 

Two different aircraft components of Tomado with 
representative fatigue cracks were selected for the 
present study. The or* is i frame of the center 
fuselage where fatigue cracks originated from cor- 
ners of a large cutout. Fig. 7 gives an overview of 
the component, where the notches of consideration 
have been specially referenced. The other airframe 
component is a comer segment close to the outbo- 
ard air intake where a fatigue crack originated on 
the lower Hange side during early stage of MAFT. 
An overview of this component is given in Fig. 8. 

Following the fatigue design procedure used for the 
Tomado fighter aircraft notches can be related to 
either one of the three K, values 2.0, 2.5 and 3.6 
when appropriate. For the components under consi- 
deration values of K, » 2.5 (cutout of frame of 

• • 
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center fuselage) and K, = 2.0 (comer segment of 
outboard air intake) had to be set. 

CRACK POSITION 1 

CRACK PORTION 2 

Fig. 7    Crack location in frame of center fuselage 

The length of the cracks detected was in the order 
of 30 mm at the cutout and about 6 mm at the 
frame close to the outboard air intake. Results of 
previous inspections as well as a crack growth 
calculation for a similar detail indicate a ?;<gh 
growth rate of the cncts once initiated at (be cu- 
tout which suggests a crack 'initiation" life of 
about 90 percent of the life renorted through in- 
spection. 

CRACK POSITION 3 

F.S. 8 Crack location in comer segment of out- 
board air intake 

6.2        Load Spectra 

The load spectra considered have been service load 
sequences generated for the Tornado design pro- 

gramme. Due to slight modifications in the design 
programme and the component test results availa- 
ble, six different load sequences were selected 
(Hg.9): 

Sequence A: A sequence derived from a typical re- 
sequence for fighter aircraft and being used to 
determine the fatigue life of unnotched and notched 
components. The sequence comprises 200 flights of 
15 different flight types. Each flight contains bet- 
ween 48 and 115 load cycles. 

Sequence 3: A sequence derived from 19 different 
flight types monitored on F-104 G fighter aircraft. 
The sequence comprises 205 flights with 7 to 169 
load cycles per flight. 

Sequence C: equivalent to B with a different order 
of flight types. 

Sequence D: A sequence developed for the design 
of fighter aircraft tailerons with an overall stress 
ratio R * 0„JOm* " -0.75. The sequence comprises 
400 flights with 26 different flight types of appro- 
ximately 65 load cycles each. 

Sequence E: A sequence generated from the level 
crossing spectrum of sequence D. For the new load 
sequence the mean leads of each load cycle had 
been set to zero. The sequence comprises 400 
flights with 10 different types. 

Sequence F: This is the sequence used for Tornado- 
MAFT. It is composed of 1095 different load cases 
which have been the basis for configuration of 42 
different flight types. Each flight type contains 
about 400 load cycles One buck contains 900 
flights. The loads themsclv» are given in terms of 
bending moments at a defined coordinate center of 
the aircraft. To convex« the load sequence to a 
sequence of nominal stresses for the location consi- 
dered wing position dependent conversion factors 
were introduced on the basis of fully elastic load 
transfer behaviour being the ratio of calculated 
maximum nominal stress vs. the maximum load 
generated for the specific wing position dependent 
load cases. Depending on the location considered 
this led to slightly different load spectra being 
denoted as Fl, F2 and F3 throughout the following. 

The above load r ectra are shown in Fig. 9 as a 
result of the peak counting algorithm. For the (no- 
minal stress based) predictions discussed later, 
however, rainflow counted spectra were applied 
where the individual mean loads were considered. 

*J 
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Fig. 10 Comparison of load spectra 

A comparison of the normalized load spectra is 
given in Fig. 10 where load levels and the cumula- 
tive frequency have been normalized to the respecti 
ve maximum values of each spectrum. Typically 
the taileron sequences D and E differ from the 
other sequences, bu: also the peak load distribution 
of sequences F appears to be less severe than those 
of sequences A to C. However, sequences F com- 
prise a total number of cycles which is about one 
order of magnitude larger than the others. Sequence 
A has been generated during an earlier stage of 
Tornado design while B and C have been derived 
on a different fighter aircraft. 

• • 

6.3 Baseline Mate->al Data 

Tensile properties of the 7075-T7351 alloy deter- 
mined on specimens machined from 16 mm and 25 
mm thick plates were: E = 71000 MPa, a„ = 514 
MPa, o, m 441 MPa, elongation =11%. Stress- 
strain and strain-life data for cyclic constant am- 
plito'Vj loading were determined on unnotched 
cyclindrical specimen. The corresponding coeffi- 
cients, the specimens' dimensions and the materi- 
al s fatigue-life curve plotted in terms of PSWT are 
given in Fig. 2. Tue failure criterion selected for 

these fatigue tests was a, = 0.5 mm. The stress- 
strain relationship used for cyclic loading is written 
in term; of a Ramberg/Osgood equation: 

e. = e„ + £„ = 0./E + {aJK,)w   (12) 

The material's baseline fatigue data in terms of the 
P,-N curve is given in Fig. 3 where P, is obtained 
from strain-life data via Eq. (6). Since according to 
the P, model fatigue life consists of grovth of 
(short) cracks the slope m = 2 of the P,-N curve 
(see Eq. (8)) must be relevant also for the crack 
growth law which translates to n = 4 in da/dN vs. 
AK diagram due to the quadratic relationship bet- 
ween AK and AJ. rhe coefficient C = 3.9 10"* 
(dimensions mm/cycle and MPa) and the threshold 
äJ.„t, - 0.0152 N/mm have been obtained from 
long crack data reported in [28]. The equivalent 
initial ciack size corresponding to the Pj-N curve of 
Fig. 3 is a<, = 0.057 mm. 

A comparison between the uniform material law for 
aluminium alloys given in [15], which is based on 
more than 600 experimental results and the baseline 
o-e and E-N data used for the local strain approach 
shows good coincic1   ce. As baseline data used for 

• • 
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the local strain and nominal stress approach were 
not available from the same batch, the required set 
of S-N curves of the notched specimens at different 
R-ratios was calculated by use of the local strain 
approach including the PIWT parameter. These S-N 
curves were applied for nominal stress based crack 
initiation life prediction. For two specimen types at 
two load levels a comparison with experimental 
data could be made which indicated a reasonable 
accuracy. 

RESULTS AND DISCUSSION 

mental mean vs. the predicted fatigue lives were 
determined and plotted in a bar chart (Fig. 12) 

K. SWCll 

JU6u 
K. li, 

(mm J 
F, <W, 

a 

2.0 3 186 430 1.142 0.09 1.6 

2.5 4 234 166 1.217 006 14 

3 4 : 308 525 1314 013 1 * 

10 10 157.4 10 

* 

7.1 Crack Initiation Life Prediction 

Fatigue life predictions for crack initiation »ere 
compared to the experimental results mentioned 
above. The following models were applied: 

nominal stress approach using S-N curves 
derived for crack initiation 

-    local strain approach using PSWT damage 
parameter 
local strain approach using P, damage 
parameter. 

The nominal stress based predicitons used a set of 
S-N curves for R = 0.5, 0, -1 and -2 as described 
in chapter 6.3. The curves were fined to a four- 
parameter Weibull equation always accounting for 
the endurance limit. Intermediate R-ratios were 
considered via interpolation between the above 
curves. 

For the local strain approach the influence of notch 
size and transient endurance limit was accounted 
for by different means depending on the damage 
parameter used. With the PSWT parameter, a tran- 
sient endurance limit (or damage below the fatigue 
limit) was globally accounted for by neglecting the 
endurance limit. Notch size effects were included 
by using the fatigue notch factor K, instead of K, 
(see Table 1). 

Transient endurance limit as well as size effects 
were considered by the P, parameter as described in 
chapter 5. The relevant constants and coefficients 
a»e compiled in Table 1 where a value of q = IS 
was used for calculations of F, and I, [18]. 

An example of the predicted and experimental 
spectrum S-N curves of the notched coupons is 
given in Rg. 11. With two exceptions five tests per 
load level were available to establish the respective 
mean value. For all cases the ratio of the experi- 

Tab. 1   Coupon notch factors and related constants 

where the specimen type, load spectrum and load 
level is given for each case. To visualize the quali- 
ty of the different models, the life ratios are plotted 
in a probability chart (Fig. 13). 

For the aircraft components notch size effects were 
not considered within local strain based calculations 
because of the relatively large notches. However 
the influence of multiaxial stresses seemed relevant 
for the cutouts of the center fuselage's frame. The- 
refore additional calculations were done to discuss 
that effect. 

The fatigue lives and respective life ratios deter- 
mined with the different approaches are summari- 
zed in Tables 2 and 3. 

Following the Tornado fatigue design process the 
stress concentration factor K, for the comer segm- 
ent was set to 2.0 even though approximations from 
handbooks yielded a lower value. An additional 
calculation with K, = 1.5 was therefore performed. 

7.2 Discussion 

Noiched Coupons 

For the assessment of life prediction hypotheses 
different criteria can be applied [29]. One important 
criterion is the spread (or scatter) of life ratios, 
another one may be the mean life ratio indicating 
conservative or unconservative predictions on an 
average or the fact that, for example, predictions 
are always or predominantly on the conservative 
side. 

With regard to the spread of predictions for the 
notched coupons, Fig. 13 shows that all three va- 
riants exhibit similar numbers with the lowest scat- 
ter for the nominal stress approach. Translating 
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COMPONENT K, Nom. 
Stress 

Approach 

* SWT Pi 

Without Muluaxialily With Mulluuiality 

Frame in Center 
Fuselage 
- Upper Notch 
- Lower Notch 

Comer Segment 
close to Outboard 
Air Intake 

2.5 
2.5 

2.0 
1.5 

265.000 
70.750 

15.800 

167.350 
65.770 

22.710 
104.850 

32.390 
9.870 

3.500 
18,440 

55.810 
16.850 

® 

* 

Tab. 2   Predicted flights for aircraft fuselage details using different approaches (crack initiation life) 

COMPONENT K" Nom. 
Stress 

Approach 

*SWT Pi 

Without Multiaxialiiy With Muluaxialily 

Frame in Center 
Fuselage 
- Upper Notch 
- Lower Noich 

2.5 
2.5 

0.04 
0.14 

0.06 
0.15 

0 3! 
1.02 

0.18 
0.60 

Comer Segment 
close to Outboard 
Air Intake 2.0 

1.5 
0.51 0.35 

0.08 
2.28 
0.43 

Tab. 3   Fatigue life ratios for aircraft fuselage details using different approaches (crack initiation life) 

quantitative requirements as put forward by diffe 
rent authors [29] into a scatter value (neglecting the 
absolute life ratios), all concepts may be assessed 
as acceptable. The mean values however differ 
significantly. Whereas the nominal stress based as 
well as the local strain based predictions using PSWT 

deliver unconservative results, the P, parameter 
produced mainly conservative predictions. 

Similar trends have been found in [17,18] where an 
extensive study on a variety of materials including 
steels and aluminium alloys has been performed. 
The spread of the P, based predictions, however, 
was markedly smaller than that of the conventional 
PSWT parameter (3.6 for Pj vs. 5.9 for Psvn. for the 
10% and 90% probability ratio of life ratios). The 
mean life ratio for P, was close to unity whereas 
for PSWT a value of 0.3 was found which is general- 
ly in line with the present results. 

It is perhaps interesting to note that the nominal 
stress approach and the PSWT based predictions 
delivered similar results in several cases (Kg. 12) 
although the consideration of damage contributions 
below the endurance limit had been different (?ee 

Chapter 7.1). This psrt of the spectra obviously 

<o 
a. s 

OT 
ni 

E o 
Z  200- 

| 
2 

150 

7075-T7351 
K,-=25 
Spectrum A 

Nominal Stress Approach 

103 104 

Flights 

Rg. 11 Comparison of experimental and predicted 
crack initiation spectrum fatigue lives for 
notched coupons 
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does not contribute to the calculated damage to a 
significant amount within those methods. This has 
been confirmed for selected test cases. 

Aircraft Components 

Forementioncd trends determined for the notched 
coupons were similar for the aircraft components. 
The nominal stress as well as P]wrbased predic- 
tions are unconservative whereas the P.-based pre- 
dictions are closer to unity. Considering a biaxial 
stress state at the cutouts shows a marked influence 
on the predicted life. With regard to the above 
results however the approximate nature of that part 
of the P,-model should be kept in mind. 

For the comer segment a later analysis indicated 
the stress concentration factor to be lower than 2.0. 
Applying a value of 1.5 the P,-model again resulted 
in a better prediction than using the conventional 
Pswr-parameter. 

The significant underestimation of fatigue life for 
the upper part of the cutout in the center fuselage's 
frame may has been promoted by an underestima- 
tion of the stress level determined by FE-analysis. 
The corresponding calculated stress level for the 
lower notch of the cutout was 17% higher which 
resulted in a shorter predicted fatigue life even 
though the experimentally determined fatigue lives 
were similar for the upper and lower notch. A furt- 
her crack along a rivet row having occured in the 
vicinity of the upper part of the cutout during the 
final stage of the test life may have contributed to 
an increase of the applied stress. The short propa- 
gation period of the crack initiated at the upper 
notch gives further support to this assumption. 

Predictions Based on Handbook Data 

Standard design procedures for (German) military 
aircraft include a nominal stress approach based on 
S-N data valid for complete specimen separation. 
Data of that kind is mainly obtained from hand- 
books [30] and has been used for predictions of the 
respective total fatigue test lives of the notched 
coupons and the total test lives of the aircraft com- 
ponents. For the notched coupons, unconservative 
predictions were obtained with a mean life ratio 
similar to that obtained with the nominal stress 
approach based crack initiation fatigue life predic- 
tions. Scatter however increased by 60%. 

Similar trends are observed for the aircraft compo- 
nents. For the three examples predictions are un- 
conservative and differ significantly with life ratios 

between 0.0016 and 0.73. In particular the first 
number being out of order gives rise to the fore- 
mentioned assumption of a considerable underesti- 
mation of the overall stress level for the respective 
detail. 

8 CONCLUDING REMARKS 

Fatigue life predictions to crack initiation were 
performed using the nominal stress appraoch and 
two versions of the local strain approach. A socai- 
led Pj-model for explicit consideration of load- 
sequence effects based on crack opening and closu- 
re phenomena has been outlined which can be 
applied within the framework of a local strain 
approach. The spread of life ratios for notched 
coupons tested under different fighter aircraft spec- 
tra was similar for the three variants. Only the P,- 
model, however, resulted in conservative predic- 
tions. 

In order to demonstrate applicability to fatigue- 
critical areas of real aircraft, three examples have 
been selected for Tornado-MAFT. P,-based predic- 
tions led to the best result which can be taken as a 
motivation to extend this analysis to further details 
and materials. 

Even if application of the local strain approach to 
fasteners appears to be impractical, there is a consi- 
derable amount of details where such a type of 
approach is promising. One of these aspects to be 
noted is the relatively small experimental effort for 
determination of baseline fatigue data. This makes 
the local strain based approach potentially inter- 
esting not only for prototype design, but also for 
redesign (e.g. structural or material modification) 
within aircraft mid-life updates. 
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ABSTRACT 

The paper describes an experimen- 
tal study of notch root fatigue 
crack growth under FALSTAFF spec- 
trum loading in an Al-Cu alley. 
Crack growth rates were measured 
from crack size as small as 20 
microns using optical fractography 
and replication technique. Frac- 
tographic measurements indicate 
similar scatter levels between 
notch root short crack and long 
growth rate data. This is in con- 
trast to surface replica based 
measurements which are indicative 
of large scatter. Growth rate vari- 
ation was noticed between multiple 
cracks initiating after different 
periods of natural crack forma- 
tion. This is attributed to the 
influence of larger existing 
cracks on smaller cracks that ap- 
pear later. In contrast, identical 
artificially initiating cracks 
grew at a similar rate. 

INTRODUCTION 

Fatigue failures as a rule initiate 
at stress raisers like holes, fil- 
lets, etc.. Even though crack in- 
itiation is localized in this 
manner, a careful study of service 
failures often indicates that the 
large crack at failure actually 
resulted from the merger of multi- 
ple cracks that initiated at dif- 
ferent locations on the notch 
surface. A large fraction of total 
fatigue life can be exhausted in 
the formation and growth of small 
cracks at the notch root. 

A number of theoretical studies 
have been carried out on the esti- 
mation of stress intensity factors 
for multiple crack situations in- 
volving interaction and coales- 
cence (1-5). Many studies involved 
numerical techniques and were usu- 

ally restricted to modeling a pair 
of cracks [6-9 | . Statistical tech- 
niques have been used to handle the 
merger of multiple cracks 
(5,10,11!. 

A few experimental studies were 
restricted to the study of the 
growth and coalescence of two ar- 
tificially initiated cracks at the 
notch root (6-9). Much work has 
been devoted to the study of the 
distribution of total fatigue life 
over crack initiation and growth, 
including questions of crack den- 
sity [12-14). 

Published experimental data often 
lack information on the interac- 
tion of multiple cracks by way of 
influencing crack growth rate. In 
fact ref. 9 which describes experi- 
ments on a pair of cracks initiated 
artificially (and of equal size) 
concluded that there was indeed no 
interaction between them. 

This paper describes an experimen- 
tal study on the growth of multiple 
naturally initiating cracks at the 
notch root. The study was carried 
out under a fighter aircraft wing 
load spectrum to simulate realis- 
tic loading conditions. The objec- 
tive was to track the initiation 
and growth of small cracks through 
replication technique, and through 
optical fractography. It was ex- 
pected that in contrast to previous 
work (e.g. ref. 9) which was re- 
stricted to multiple cracks of 
identical size, multiple cracks of 
different size may interact and 
there.^y influence growth rat.es. 
One would expect a related vari- 
ation in growth rates for cracks 
when compared with reference to 
similar size and shape. This can 
have implications for life predic- 
tion as well as nondestructive 
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inspection. The next section de- 
scribes the experimental procedure 
used in the study. This is followed 
by a summary of test results and 
discussion. 

EXPERIMENTAL PROCEDURE 

Material and specimens: The ex- 
periments were conducted on Al-Cu 
alloy L168 trom an Indian manufac- 
turer, which is an equivalent of 
2014- T6S11. Specimens were cut 
along the extrusion direction from 
200x70 mm bar stock. The geometry 
and dimensions of the test speci- 
mens appears on Fig. 1. A total of 
three specimens were used in the 
experiments: Specimen 1 had two 
similar co-planar crack initiators 
introduced by electrical discharge 
machining (EDM). Specimens 2, 3 
were tested with a smooth notch 
surface to ensure natural crack 
initiation. The notch surface was 
polished to assist crack tracking 
using replication technique. 

Testing: The specimens were tested 
under a programmed version of the 
FALSTAFF 1 ad spectrum (15). In 
this version, the loads are ar- 
ranged in such a manner so as to 
cause the formation of discernible 
striation (beach mark) patterns 
that can later be recognized by 
optical fractography. Ref. 15 pro- 
vides a detailed description of 
this technique and how it can be 
used to measure the growth rate of 
small cracks under the FALSTAFF 
spectrum. It also provides evi- 
dence suggestive of little or no 
distortion in overall test results 
due to the rearrangement of the 
randomized FALSTAFF source load 
sequence. One complete block of 
FALSTAFF corresponds to 200 
flights. Briefly, the FALSTAFF 
load spectrum is rearranged into 
18 identical multilevel programmed 
steps, each with one of the 18 
major loads in the spectrum. A 
schematic of the sequence appears 
on Fig. 2. The major loads are 
identical to the 18 most severe 
ones in FALSTAFF, while the pro- 
grammed steps were shown through 
analysis and testing to be the 
equivalent of the rest of the 
FALSTAFF sequence in damage con- 
tent (15). 

Specimens 1,2 were tested at the 
same spectrum reference (maximum) 
nominal stress level of 225 MPa 

This stress level induces mono- 
tonic yield at the notch root. 
However, as the ratio of the lowest 
to highest stress level in the 
spectrum is -0.3, reversed yield 
did not take place. Earlier experi- 
ments under FALSTAFF spectrum on 
the same material had shown [15], 
that this stress level causes large 
hysteretic variations in notch 
root plasticity induced crack clo- 
sure and also, that the local 
stress level is sufficiently large 
to cause early crack initiation. 
Finally, the selected stress level 
had in earlier experiments pro- 
duced excellent fractographic evi- 
dence of striation mode crack 
growth from small sizes right up 
to a few millimeters from the notch 
root. The objective of these tests 
was to compare growth rate behav- 
iour for artificially initiated 
cracks as opposed to naturally 
initiating cracks. Specimen 3 was 
tested at a spectrum reference 
stress level of 275 MPa. This 
stress level causes cyclic yield 
at the notch root. The objective 
of this experiment was to assess 
stress level effect on the growth 
of naturally initiating cracks. 

All tests were carried out to 
failure and no additional instru- 
mentation was used to track crack 
growth. The testing was carried out 
on a 100 kN computer controlled 
servohydraulic testing machine at 
an average test frequency of 10 Hz. 
The specimen was held by hydraulic 
grips, whose wedging action in- 
duced uniform displacement, rather 
than uniform stress conditions. It 
may be suggested that this differ- 
ence may have only a negligible 
effect on short cracks growing out 
of the notch. 

Crack growth measurements: Two 
methods were used to determine 
notch root short crack growth 
rates: notch surface replication 
during the test and optical frac- 
tography after failure. During the 
test, the replica was initially 
applied to the notch surface once 
every block of the FALSTAFF spec- 
trum, while maintaining a load 
equal to 75% of the maximum spec- 
trum load. This was to ensure that 
those cracks that did appear could 
be open for the replica to pene- 
trate. Once a crack could be de- 
tected, replication was carried 

*J 

•   • 

•   • 



10-3 :« 

out more often. A Neophot- 2 opti- 
cal microscope was used to study 
the fatigue fracture surfaces af- 
ter failure. 

The replica technique is re- 
stricted to surface measurements. 
Fractography assists in tracking 
growth across the entire crack 
front. It may be fair to note that 
fractographic approach gives ex- 
cellent results everywhere with 
the exception of the specimen sur- 
face, because the surface region 
is often damaged due to rubbing, 
dtibris formation, fallout or abra- 
sive action. As a consequence, 
crack depth, 'c', rather than sur- 
face length, 'a' is a better cri- 
terion to assess short crack growth 
rate. To make this possible, a:c 
ratio was determined from optical 
fractography as a function of sur- 
face crack length. Using this re- 
lationship, replica measurements 
of surface crack size were trans- 
lated into crack depth data. The 
translation assumed that a:c ratio 
cannot see sudden (discrete) vari- 
ation - as clearly indicated by the 
fractographic evidence on growth 
across the crack front. All growth 
rates obtained from this study 
appear in terms of dc/dF, rather 
than da/dF. 

Crack growth rate measurements: 
Growth rates were determined di- 
rectly from fractography. As men- 
tioned earlier, the programmed 
FALSTAFF sequence contains eight- 
een steps, each with a charac- 
teristic major load cycle and a 
number aZ programmed minor load 
cycle steps (see Fig. 2). Each of 
these sets of cycles leaves behind 
a characteristic 'macro' striation 
on the fracture surface that can 
be seen through an optical micro- 
scope. 

Crack growth rate was determined 
from replica based growth measure- 
ments as the derivative of a para- 
bolic fit through three points. Use 
of a greater order polynomial or 
greater number of points would have 
resulted in less of data in the 
earlier stages of crack growth. For 
example, use of seven point po'y- 
nomial as per ASTH E-647 would have 
meant discarding the first three 
growth data points. The parabolic 
fit results in the loss of only the 
first and last points in the growth 

curve. Average growth rate esti- 
mate from successive crack exten- 
sion and block interval 
measurements was discarded after 
observing a larger degree of scat- 
ter than in the case of parabolic 
fit through three points. 

RESULTS 

Fig. 3 shows the fracture surface 
from specimen 1. One of the arti- 
ficial crack initiators is clearly 
visible at the left. Also seen are 
the ptriation patterns left behind 
by the programmed FALSTAFF load 
sequence. These are visible only 
at certain locations in view of the 
poor depth of focus with optical 
fractography. Locally magnified 
pictures were used to determine 
crack growth rates from a crack 
size under 20 microns right through 
to failure. 

Fig. 4 shows replica based crack 
growth measurements for the two 
tests carried out at 225 MPa. In 
case of the specimen with EDM crack 
initiators, crack growth was ob- 
served almost immediately after 
commencement of testing: 4 and 6 
load blocks respectively for the 
two initiators. The two cracks 
merged after 42 load blocks as 
indicated by a jump in crack size 
which now appears as a single 
symbol, representing the sum of the 
two crack sizes. Also shown on Fig. 
4 are replica based crack growth 
measurements for Specimen 2 with 
naturally initiating cracks. The 
replica technique indicated dis- 
cernible first crack formation and 
growth after more than 30 blocks 
of loading, which translates to 
about 6000 flights. Other cracks 
appeared subsequently and this 
along with their merger and growth 
to failure accounted for the re- 
maining 60 blocks of fatigue load- 
ing (12000 flights). 

Fig. 5 shows fractographic and 
replica based crack growth rate 
estimates for specimen 1. The con- 
tinuous lines are from replica data 
while the points are from optical 
fractography. Growth rate data in 
the same format for specimens 2 and 
3 with multiple naturally initiat- 
ing cracks at the two spectrum 
stress levels appear on Fig. 6. A 
total of 31 crack origins were 
counted in Specimen 3. A crack 
origin was identified as the locus 
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of radial lines passing through a 
developing crack front. All ori- 
gins were traced to the notch 
surface. Figs. 5, 6 are indicative 
of considerable scatter in short 
crack growth rates when perceived 
through replica based measure- 
ments. This is consistent with 
experience cited in the literature 
[16]. However, scatter is not so 
apparent in the fractographic es- 
timates of growth rates. Consider- 
ing the log linear variation of 
growth rate versus crack depth, the 
linear fit correlation coefficient 
is an indicator of scatter. Linear 
fits through replica based growth 
rates versus crack depth yielded 
coefficients ranging between 0.6 
and 0.8. This applied to both 
naturally initiating as well as the 
artificially initiated cracks. In 
contrast, log-linear fits of frac- 
tographic crack growth estimates 
versus crack length yielded corre- 
lation coefficients always exceed- 
ing 0.97. In the case of the two 
artificially initiated cracks, the 
coefficient was 0.99. This higher 
coefficient may be attributed co 
the larger effective crack size in 
view of a preexisting EDM notch of 
finite, well defined size and 
shape. 

In view of the better quality of 
fractographic growth rate esti- 
mates, further analysis was re- 
stricted to this source of data. 
Fig. 7 shows greater detail of 
multiple crack growth rate data 
from Specimen 2 (Sref = 225 MPa). 
We find data points down to a crack 
depth of 20 microns and less. Data 
points for a particular crack are 
denoted by a separate symbol. A 
total of eighteen crack origin 
points were detected on this speci- 
men. Data only for ten of these 
appear on the figuis to avoid a 
cluttered picture. Data for the two 
slowest cracks are denoted by a 
continuous line. These were the 
dominant cracks as shown by uhe 
supporting data in Figs. 8 and 9. 

Fig. 8 contains linear approxima- 
tions of growth rate data for 
specimens 1 & 2. The growth rates 
for artificially initiated cracks 
are somewhat less than for the 
slowest naturally initiating 
cracks. Lines A and B are for the 
dominant cracks whose growth rates 
were denoted by a continuous line 

in Fig. 7. This is also apparent 
from the picture of crack front 
sizes reconstructed by reverse in- 
tegration of growth rates and shown 
for specimen 2 in Fig. 9 at load 
block 71. We find cracks A and B 
have already grown to a depth of 
almost 1.5 mm, while most other 
cracks are much smaller. As shown 
by the lines in Fig. 8, the cracks 
that appeared later grew at a 
faster rate - under the influence 
of A and B. Thus, F, the smallest 
crack shown in Fig. 9 started 
growing at a rate about ten times 
higher than that of A (when A was 
of the same size). As these 
smaller cracks 'catch up' with the 
dominant one(s), a through crack 
finally appears. This is accompa- 
nied by a gradual merger of growth 
rates at the high end. Our obser- 
vations did not indicate any sign 
of rapid acceleration after 
merger. 

In contrast to the cracks in Speci- 
men 2, the two artificially initi- 
ating cracks in Specimen 1 grew at 
an almost identical growth rate. 
Obviously, because their sizes 
were at any given time similar, 
their influence on each other was 
also even. It would be fair to 
suggest that they had an equal 
effect on each other, rather than 
conclude that they did not affect 
each other. To support the latter 
claim, one would have to test 
another specimen with a single 
(artificially initiated) crack and 
compare growth rates for the two 
cases. Equal growth rates would 
indicate that indeed two coplanar 
cricks cf equal size do not affect 
each other. 

DISCUSSIOM 

It must be noted that the replica- 
tion technique permitted the 
tracking of all cracks that ap- 
peared on the notch surface. Opti- 
cal fractography could be used to 
track only those cracks that fi- 
nally merged to form the dominant 
crack. Those that were on other 
planes ended up as non-propagating 
cracks and could not be studied 
using fractography. One may con- 
clude that replica technique per- 
mits the study of crack formation 
on the notch surface, while frac- 
tography (where applicable) can 
provide a detailed and high preci- 
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Bion picture of how rtom.ui.int 
crack(s) leading to failure devi 1- 
oped and propagated. 

The fractographic study on speci- 
men 2 revealed as many as 18 crack 
origins that were not necessarily 
coplanar. At a higher stress level 
(specimen 3 at 275 MPa), as many 
as 31 crack origins were traceable 
on the fracture surface. This 
suggests that as applied stress is 
increased, more cracks will origi- 
nate at the notch root. It may be 
suggested however, that from the 
viewpoint of exhaustion of fatigue 
life, one needs to consider only 
the dominant crack(s) which ac- 
count for the largest fraction of 
total fatigue life. Their growth 
occupies a sizeable fraction of 
total fatigue life. The smaller 
ones that appear after them would 
have only a negligible influence 
over the remaining period. 

The observations made above may 
'.- <ve implications for assignment 
of inspection periods and detect- 
able crack sizes in design and 
operation of airframes. If a po- 
tential fatigue critical area is 
accessible for inspection from ali 
sides where a crack is likely to 
initiate, one may readily assume 
that detection will always involve 
the dominant crack (which will 
happen also to be the slowest). On 
the other hand, if the design is 
of a fastener (inner notch surface 
concealed) or some otner part where 
the opposite side also may be 
inaccessible, the design would 
have to assume the worst case 
scenario, whereby, when a small 
crack is detected, a much larger 
crack is likely to already exist 
inside that will accelerate the new 
ones's growth. This problem is more 
critical for thicker components 
where a through crack is more 
likely to be of critical dimen- 
sions. 

Fractographic estimates of growth 
rates show negligible scatter and 
a clear log-linear relationship 
with crack length. This observa- 
tion strongly supports the appli- 
cation of Fracture Mechanics to 
very small cracks. Considering 
that at higher stress level, crack 
growth was found to account for 
total fatigue life, an FM approach 
to life prediction appears practi- 

cal . rhase otnervritions may appear 
to contradict .hose oftun found in 
the literature, suggestive of con- 
siderable scatter in test results 
and also ;he characteristic dip in 
growth rates after initial accel- 
erated growth, sometimes leading 
to crack arrest. It may be noted 
that our tests were carried out 
under spectrum loading and at 
stress levels of practical inter- 
est, which are rather high. Scatter 
reported in the literature may be 
attributed to limitations of 
growth measurement (replica tech- 
nique) and the very nature of crack 
growth under constant amplitude 
near threshold conditions. Spec- 
trum loading on the other hand has 
always been known to result in less 
scatter due to the 'control' exer- 
cised on the process by the infrs- 
quent overloads. 

The artificially initiated cracks 
appeared to grow noticeably slower 
than the slowest naturally initi- 
ating cracks (Fig. £,. This dif- 
ference may be attributed to a 
smaller ..active size (given as 
total depth minus notch dept i) cf 
-hese cracks in t'v. -.iviil stage 
of growth as t\ey art- growing out 
of an EDM 'notch 'thin a notch'. 
If this observation is acceptable, 
it would follow, that one cannot 
r..uk° a useful study of notch root 
small crack growth using artifi- 
cial crack initiators. 

Finally, it may be noted that the 
fractographic technique involving 
specially engineered load sequenc- 
ing and a material that is condu- 
cive to ductile striation 
formation may not always be a 
realistic proposition. However, 
both inputs in this study were of 
practical relevance and they pro- 
vided data that may not have been 
obtained using other methods. Con- 
sidering the requirement of ob- 
taining a better understanding of 
spectrum load notch root fatigue 
of greater application value, it 
is proposed to extend the same 
technique to fasteners, including 
lugs with and without interference 
fits. 

CONCLUSIONS 

1.  The growth of multiple cracks 
at notches was experimentally 
studied in L168 Al-Cu alloy 
coupons. Crack growth was 
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measured using replication 
technique and optical i -J- 

tography. 

2. Replication technique provides 
information on the formation 
and growth of cracks over 
the entire notch surface. How- 
ever, the quality of crack 
growth rate measurements us- 
ing this technique may not be 
adequate in view of large ob- 
served scatter in results. 

3. Practographic measurements of 
crack growth rates show excel- 
lent consistency and low 
scatter, that is comparable 
to long crack growth rates. 
They also permit identifica- 
tion and tracking of multi- 
ple cracks that initiate at 
the notch root. 

4. Cracks growing from identical 
crack initiators grow at the 
same rate. However, natu- 
rally initiating cracks sel- 
dom do so simultaneously. 
Consequently, cracks that ap- 
pear la'   grow faster un- 
der thr  iluence of existing 
fatigue cracks. 

5. As applied spectrum stress 
level is increased, crack in- 
itiation sites increase in 
number. Also, the fraction of 
total fatigue life consumed 
in crack growth increases and 
can reach 100% at a suffi- 
ciently high stress level. 
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Fig.1.ringle edge notch   (SEN)   specimen with  two EDM crack in- 
itiators.   The other specimens  tested were similar,  but 
wjthout   the EDM crack initiators. 

Fig.2.Programmed FALSTAFF load sequence used in experiments. 
This spectrum was found to provide the same crack growth 
rates  as  the  full,   randomized version   [15]. 
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SUMMARY 

In this paper the methods used for calculating the 
fatigue life of metallic dynamic components in 
rotorcraft is reviewed. In the past, rotorcraft 
fatigue design has combined constant amplitude 
tests of full-scale parts with flight loads and usage 
data in a conservative manner to provide "safe life" 
component replacement times This is in contrast to 
other industries, such as the automobile industry, 
where spectrum loading in fatigue testing is a part 
of the design procedure. Traditionally, the linear 
cumulative damage rule has been used in a 
deterministic manner using a conservative value for 
fatigue strength based on a one in a thousand 
probability of failure. Conservatisms on load and 
usage are also often employed This procedure will 
be discussed along with the current US Army 
fatigue life specification for new rotorcraft which is 
the so-called "six nines" reliability requirement. In 
order to achieve the six nines reliability requirement 
the exploration and adoption of new approaches in 
design and fleet management may also be necessary 
if this requirement is to be met with a minimum 
impact on structural weight. To this end a fracture 
mechanics approach to fatigue life design may be 
required in order to provide a more accurate 
estimate of damage progression. Also reviewed in 
this paper is a fracture mechanics approach for 
calculating total fatigue life which is based on a 

crack-closure small crack considerations. 

1. INTRODUCTION 

Over the past several decades rotorcraft have been 
designed under the safe-life philosophy using the 
Palmgren/Miner [1,2] nominal stress rule. 
According to one rotorcraft manufacturer very' little 
has changed [3] philosophically over this time 
period with most of the changes being made in the 
mechanics of the calculations where high speed 
digital computers have replaced slide rules and 
mechanical calculators. As technology in other 
areas increases this often allows for more 
sophisticated aircraft systems that produce different 
flight operations such as nap-of-the-carth, night 
flying, and air-to-air combat. These operations will 
add an even more variable fatigue load environment 
on rotorcraft than in the past thus requiring a 
fatigue life analysis that can reliably evaluate the 
effects of variable amplitude loading on the damage 
process. 

Because of two studies [4,5] done about a decade 
apart, the safe life approach using the Palmgrcn- 
Miner(P/M) linear cumulative rule has been 
questioned as being the most reliable approach to 
predicting fatigue life. In the work in reference 4 
by Jacoby, the predicted lives of one-third of about 
300 tests on all types of structures and materials 
were considered to be on the unconservative side. 
The work in reference 5, the hypothetical pitch link 
problem formulated by the American Helicopter 
Society(AHS),   showed   variations   in   predicted 
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fatigue life from 9 to 2,59» hours The AHS pitch 

link problem caused some people in the 

intematiorul rotorcraft comniunit) |b| to review 

this problem a well as to add a test program on a 

simulated pitch link so fatigue life calculations 

could be compared to test results winch »a« not 

done in the AHS problem 151 

The large differences in the AfIS pitch link 

predicted fatigue lives has resulted from each 

manufacturer using various conservatisms on the 

various parts of the fatigue life prediction process 

Various reductions techniques in the component 

fatigue strength curves and the use of top of scatter 

flight loads are but two of these conservatisms 

One of the reasons for conservative design has been 

a lack of accurate and detailed stiuctur.il analyses 

Over the years advances in computer speed and 

memory have resulted in more efficient methods for 

lad analysis However, these methods have been 

implemented without a belter definition ot the level 

of conservatism As a consequence, the L S Army 

is requiring that the next rotorcraft to be developed 

have and expected value of six nines reliability for 

flight critical components 

The exploration and adoption of new approaches in 

design and fleet management may be necessary to 

achieve a reliability of six nines with minimum 

impact on structural weight Actual fleet loads 

monitoring may be required to reduce the 

uncertainty in usage Some of these new 

approaches have been implemented in a life cycle 

management program started during the I'Hid'» |7| 

Fracture mechanics fatigue life approaches may be 

required to provide more accurate estimates of 

damage    progression Also     flight-by-flight 

spectrum testing of full-scale parts may be required 

to reduce the uncertainty of spectrum fatigue life 

predictions and possibly lower the coefficients of 

variation The purpose of this paper is to review 

the past practice of the rotorcraft safe-life 

approach, to review some of the aspects of the 

current six nines reliability fatigue life requirement 

particularly the recent AHS six nines fatigue life 

round-robin . and to review a possibly future 

approach to fatigue life prediction using a fracture 

mechanics  approach  were  total   fatigue   life   is 

predicted      using      only      crack      propagation 

considerations 

2.     PAST PRACTIC ES 

Since the AHS pitch link problem involved almost 

all of the I' S rotorcraft manufacturers as well as 

two European manufacturers an overview of fatigue 

life prediction of rotorcraft in the past will be 

presented by reviewing some of pitch link 

participants design practices In the pitch link 

problem the three key ingredients given to the 

participants were the mission spectra, the flight 

loads, and six stress versus fatigue life c\cles(S/N) 

data points Since the P M linear cumulative rule is 

the basis for rotorcraft fatigue life prediction up to 

the present, these three ingredients provide all the 

data that is needed to predict fatigue life The 

linear cumulative damage rule states that fatigue 

t.ulure occurs when the summation of the so-called 

cycle ratios |nNl i> equal to one In the nominal 

stress approach, the (light loads are grouped into 

discrete load levels so the numerator (n) of the evele 

ratios can be defined In the design of rotorcraft the 

denominator! N) is determined from fatigue tests on 

the actual part being designed 

2 I   Mission srA'Ctrumtflight load»J The life 

calculations often start bv developing the mission 

spectrum winch defines the manuevers the 

rotorcraft will experience as well as the percent 

occurcncc for each of these manuevers in the 

mission spectrum A* stated previoulsv the flight 

loads from the various manuevers are used to form 

the numerator!IO of the cycle ratios(n/N) Also 

specified are what is often called the flight profile 

splits which define the percent time spent at various 

gross weights center of gravilv. altitudes, ro'or 

speeds and other pertinent data For th.- pitch link 

problem the mission spectrum is shown in Table I 

The flight loads are determined from a flight loads 

survev on a production configured rotorcraft where 

the rotorcraft is flown at all of the maneuvers 

defined in the mission spectrum These flight loads 

are usually collected from flights in different air 

conditions such as smooth, tuibulent. hot. cold. wet. 

drv etc     These various weather conditions often 

• 
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require taking loads data on different days which 
some manufactures require |3| An example of 
flight loads on the pitch link for a high speed dive is 
shown in Figure I. 

The preferred \vay(in the sense of most 
consevativc) of determining which load values will 
be used in the damage calculations is termed top-of- 
scatter loads. From Figure I it is seen that the 
maximum top-of-scatter load is 2352 pounds 
When combined with the minimum load during this 
maneuver, minus 1386 pounds, the maximum load 
range becomes 3738 pounds which when divided by 
two gives the top- of-scattcr alternating load for this 
maneuver as shown in Table 2 For the purpose of 
the damage calculation this load is considered to 
occur over the entire time of the maneuver This 
procedure is performed on all of the maneuvers in 
the mission spectrum and produces the results 
shown in Table 2 As it will be seen later, the 
steady load for all of (he condition« that will 
contribute to the damage usint» th P/M rule, is 
fairly close to the steady loa«"' u»c. ui the pitch links 
S/N curve, therefore i njification to tin- 
alternating loads to act""' . tor what is called the 
Goodman effect is tot required The so-called 
Goodman effect arises because the fatigue load 
cycles from tue flight loads data are at main 
different «Sess ratios.R (ratio of minimum to 
maximuri stress) These loads) s(resses) are 
"corrected" to stress values that give the equivalent 
daRiagc as the flight load stresses but at the stress 
ratio used for the components S/N curve The 
linear form of what has been called the Goodman 
correction was used by most participants in the 
pitch link problem |3| when it «as considered 
necessary to "correct" the alternating loads 

2 2 Fatigue strcnglh(S/N curve) The first step 
in establishing the design S/N curve which is used 
to determine the denominator!N) in the I'M rule, is 
to determine the endurance limit of the component 
of interest The endurance limn is determined bv 
first testing a minimum of six full-scale exact 
replicas of the component to failure a! different load 
levels [3| In the situations where the complexity of 
the component and loading is such that more than 
one failure site is possible, eight or more tests are 
run by some manufacturers |X|     The endurance 

limit is determined by extrapolating each of the six 
or more tests points to 10 million cyclesffor ferrous 
materials) using a standardized curve. Once the 
extrapolated endurance limit for each test point is 
known, the mean and other statistical values of the 
endurance limit are determined. The standardized 
shape of the S/N curves is one place where different 
procedures arc used. Most manufacturers use a 
shape that is determined by running numerous 
coupon specimens of the component's material with 
a stress concentration that closest simulates that of 
the failure site of the actual component [3,8,9]. The 
methods used to establish tie shape of these curves 
is different for each manufacturer. Some use a 
Wohler curve [ 10,11 ] some a Weibull equation [9], 
some their own equations [8], and some use two or 
more procedures depending on which seems to be 
the most valid for the particular situation [12]. 
Since each manufacturer uses a different piocedure 
for determining the curve shape that is used to 
determine the endurance limit , different endurance 
limits will result thus providing some differences in 
the final calculated fatigue life. 

Probably the greatest difference in fatigue life 
calculations comes from the method used to reduce 
the mean endurance limit to the design allowable 
|6| Each manufacturer has its own set of reduction 
factors The component life is usually calculated 
using the lowest value of the endurance limit as 
determined by one of the several reduction factors 
Almost all manufacturers use the reduction factor 
of mean minus three times the standard 
dewation(mcan - 3a) Some manufacturers use 
80% of the mean as a reduction factor [3.10] and 
others used a reduction factor based on an equation 
by Maid 1111 Table 3 shows a comparison of the 
mean endurance limit for the pitch link problem as 
well as the design allowable endurance limit 

2 3 Fatigue life calculations With the design 
allowable fatigue limit determined and the flight 
loads for the various maneuvers established, the 
fatigue life can then be calculated using the P/M 
rule by comparing the flight loads to the endurance 
limit of the component The maneuvers where the 
flight loads are above the endurance limit are 
considered to be the damaging maneuvers The 
numerator in the cvele ratio for the P/M rule for 

• • 
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each maneuver is determined by calculating the 
number of load occurrences that are experienced by 
the component over a certain time period(often for 
one hour). For the pitch link problem with a rotor 
speed of 324 revolutions per minute and assuming a 
load frequency of once per rotor revolution, the 
numerator becomes 145.8 damaging load cycles per 
hour for the 1.5g right turn(324 X 60 X 0.0075) 
The denominator of the cycle ratio is then 
determined for each maneuver by reading from the 
component's S/N curve the fatigue life at the stress 
level for each maneuver. The cycle ratio for each 
damaging maneuver is formed as just stated and the 
total fatigue damage is determined by summing all 
the cycle ratios for each loading condition, £(n/N) 

The reciprocal of total fatigue damage, 1/X(n/N), 
then becomes the fatigue life of the component. If 
using the top-of-scatter procedure for determining 
the flight loads gives a too conservative value of 
fatigue life, then a more formal type of cycle 
counting is employed. 

Again, each company uses a different type of 
counting method. One manufacturer uses a method 
that reduces the flight loads into a histogram that 
contains every load reversal that exceeds the 
endurance limit [3|. The details of this method are 
found in Bruhn's .Analysis & Design of Flight 
Vehicle Structures. |I3|. One manufacturer did use 
the rainflow method (10] which has been considered 
by many to be the more reliable counting procedure 
for accounting for load sequence effects Most 
manufacturers used a method derived to adapt to 
computer programs that they use to reduce the 
flight loads data from the actual flight load surveys 
[8.12] 

The final assignment of a fatigue life(sometimes 
called a safe retirement life) cften depends on 
proven engineering judgment [8,9,14]. Most 
manufacturers recognize that the P/M rule has often 
been shown to predict unconservative fatigue lives 
[4,14] because of such phenomena as load sequence 
interaction effects and the fact that loads below the 
so-called endurance limit often produce 
nonpropagating cracks that can become damaging 
again when large compressive loads are 
experienced. Because     of    this,     various 

manufacturers also use a reduction factor on the life 
calculated by the P/M rule [10,14]. 

3. CURRENT DESIGN REQUIREMENT 

The intent of this section is to review some of the 
aspects of the new "six nines" reliability U.S. Army 
design requirement on the fatigue life of dynamic 
compents. As stated previously this requirement 
was implemented in the middle of the decade of the 
1980's in order to help quantify the overall risk 
associated with a given components fatigue life. 
Prior to this requirement the studies of Jacoby [4] 
and the AHS pitch link problem of 1980 [5] had 
shown that the safe life approach using the P/M 
rule to calculate fatigue life was frought with 
difficulties Some of these difficulties come from 
the inability of the P/M rule to handle such 
phenomena as the affects of load interactions on 
fatigue damage progression While other problems 
stem from the fact that different manufactures will 
inherently choose different procedures in handling 
the various ingredients that are needed in 
calculating the fatigue life(i.e. reduction on mean 
S/N curve to a design allowable curve). The six 
nines reliability requirement and the associated 
concerns about implementing such a philosophy 
resulted in establishing a round robin in 1988 
involving the US Army Systems Command, now 
called the Aviation        and        Troop 
Command(ATCOM), and the U.S. rotorcraft 
industry This study was undertaken by the 
American Helicopter Society(AHS) Subcommittee 
for Fatigue and Damage Tolerance. The intent of 
this section is to examine some of the computational 
methods necessary' to determine fatigue life as a 
function of reliability by reviewing some of the 
pertinent aspects of the 1988 AHS round robin 

115], 

3 1 Round robin discription The objective of the 
AHS reliability round robin was to do more than 
just establish a consistent reliability analysis. Other 
objectives were to evaluate how the different U.S. 
rotorcraft industry methods in defining fatigue 
strength would affect reliability calculations as well 
as to examine the issue of fleet versus individual 
aircraft    component    replacement A    further 
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objective of the exercise was to contend with the 
probabilistic complexities associated with defining 
loads variability to demonstrate the benefits of 
loads monitoring for achieving six nines reliability. 
The problem as posed, assumed a normal 
distribution for fatigue strength under precisely 
defined cyclic loads and a normal distribution for a 
simple loading spectrum so that fatigue lives could 
be calcualted to six nines reliability. Of course in 
actual design practice the probability distribution 
that best described the flight loads and components 
fatigue strength would have to be determined(i.e., 
normal, log-normal, etc.). In order to address all of 
the above issues the round robin was divided into 
three phases. In Phase I, the problem was defined 
such that only one numerical answer was correct. 
Phases II and III were set up so that the experience 
of individual contributors could show how 
differences in assumptions affected the results 
Table 4 lists the round robin participants and their 
appropriate identifier codes 

purposes of this exercise, alpha is an operational 
variable that combines both usage and loads 
variability to discriminate in mission intensity. All 
of the items just listed that could affect the load 
spectrum(pilot technique, etc.) would have to be 
considered when choosing the probability 
distribution that would best describe the load 
spectrum. 

Based upon these fatigue strength and spectrum 
loading definitions, the following three problems 
were proposed and solved by the AHS round-robin 
participants. For all three problems, it was 
assumed that fatigue strength was normally 
distributed about the fatigue limit with a 7% 
coefficient of variation (COV). Also, for the 
purposes of the round robin, it was assumed that: 
(I) Palmgrcn-Miner's linear damage rule was valid; 
and (2) Goodman corrections needed to convert the 
applied stresses to equivalent-damage stresses at 
R=0 were valid 

* 

Phase I - Identical Methods and Inputs. In Phase 1 
of the exercise, .vl fatigue-related variables were 
strictly controlled to insure that the participants 
developed consistent solutions for fatigue lives at 
the prescribed reliability For computational 
purposes, a mathematically defined S-N curve was 
provided in terms of stress range, Sr and fatigue 
limit (fatigue strength at very large loading cycles), 
Se for a stress ratio R=0. The loading spectrum 
used in this round robin was the standardized 
helicopter load spectra called Felix/28 |16| To 
illustrate trends due to overall spectrum severity, a 
baseline spectrum level was established and other 
spectrum severities were created by multiplying all 
loads in the spectrum by a scaling parameter called 
alpha. To include variability of loads in the 
reliability analysis, the severity of the spectrum was 
assumed to have a normal distribution about a mean 
severity (or mean alpha) level Again, in design 
practice the probability distribution that best 
described the spectrum severity would have to be 
determined. It is important to recognize that this 
was a theoretical exercise and that alpha was 
inteded to be a mathematical artifice used to 
simulate changes in the baseline spectrum which 
account for differences in usage, pilot technique, 
weather, vehicle configuration, etc    Thus, for the 

Problem I Assumed that the loading spectrum 
does not vary Fatigue lives were calculated for the 
mean, mean-3o\ and mean-So fatigue strength 
curves using the Felix/28 loading spectrum factored 
by deterministic mean values of the fleet severity 
parameter, alpha, between 0.3 and 0.9. 

Problem 2 Assumed that the loading spectrum 
severity parameter, alpha, is normally distributed 
\sith a 7% COV The fleet fatigue fatigue lives at 
six nines reliability were calculated for mean values 
of alpha between 0 3 and 0 9. 

Problem 3 Assumed that the seventy parameter, 
alpha, for a subset of helicopters (or individual 
aircraft) had a normal distribution and could be 
measured io within a 3% COV. The six nines 
reliability fatigue lives for the subset of aircraft 
over a range of alphas were to be calculated. It was 
further assumed that the mean alphas of the subsets 
in the fleet were normally distributed with a 7% 
COV and the mean fatigue lives at six nines 
reliability for a fleet mean alpha of 0 6(0 85 for 
Phase II) were to be calculated. 

One of the possible future activities of the AHS 
Fatigue and Damage Tolerance subcommittee is to 
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investigate the effects of different COV's on the 
reliability calculation as well as to address the issue 
of what value should these COV's be for various 
component and material combinations 

Phase II Independent Methods and Inputs. In 
Phase I, the same S-N curve and fatigue limit COV 
were used by each participant. In Phase II, instead 
of using a prescribed mathematical expression for 
the S-N curve, the round-robin participants were 
provided six constant amplitude test points which 
were mutually agreed to be typical of the six data 
points obtained in full-scale helicopter fatigue 
substantiation testing. Each participant then used 
this data set to develop an independent S-N curve 
formulation, fatigue limit, and fatigue limit COV. 
The three problems in Phase I were solved again to 
compare the effects of each participant's choice of 
S-N curve. 

Phase III Spectrum Fatigue Tests In addition to 
the constant amplitude tests. AVSCOM's 
Aerostnictures Directorate (ASTD). now the 
Vehicle Structures Directorate(VSD) of the Army 
Research Laboratory(ARL), conducted spectrum 
fatigue tests using the Felix/28 loading spectrum 
over a range of alpha values. The measured alpha 
versus life curve was used to assess the accuracy of 
a cumulative damage model and a fracture 
mechanics model for predicting the measured 
spectrum fatigue lives Each participant compared 
the mean life predictions from Phase Il/Problem I 
to the spectrum fatigue test results 

3.2 Reliability analysis This section explains the 
solution methods used to answer the three questions 
postulated for the round-robin exercise. Problem 1 
does not address reliability but was included to 
assure that all participants properly accounted for 
loads (alpha) scaling and the Goodman correction 
when calculating the fatigue life Problems 2 and 3 
were intended to address the probability of failure 
(POF) for a given distribution of fatigue strength 
and applied loading The results were to be 
presented in terms of reliability or the probability of 
no failure, (1-POF). Thus, the six nines reliability 
requirement is equivalent to one failure in a million 
for each major component in the life of the 
helicopter fleet.    An underlying objective of this 

analysis was to demonstrate the advantages of load 
monitoring for achieving six nines reliability using 
the results of Problems 2 and 3. Sec the description 
of Problem 3 later in this section for an explanation 
of how load monitoring helps achieve six nines 
reliability throughout the fleet. The solutions to 
these problems are presented and discussed in a 
later section of this paper. 

Problem 1. As mentioned earlier, the S-N curve 
shape, the ultimate strength (180 ksi), and the 
fatigue limit stress range(40 ksi) were prescribed in 
Phase I. Figure 2 shows the S-N curve formulation 
as plotted on a log-log scale. Based upon this 
straight line definition, the fatigue life equation can 
be written as 

N = 500000(Sr-Se)-151785, Sr>Se    (1) 

ID 

and 

N= 1015,   Sr<Se (2) 

Recall that the coefficient of variation on the 
fatigue limit was assumed to be 7% It was further 
assumed that the standard deviation at the fatigue 
limit also applies to the fatigue strength 
distributions at all points on the S-N curve. In 
other words, the fatigue strength standard deviation 
was assumed to be constant. The alpha versus 
fatigue life curves for the mean, mean minus three 
sigma, and mean minus five sigma fatigue limits 
were computed using the Palmgren-Miner linear 
cumulative damage model which was discussed 
previously. The calculation of a mean minus three 
sigma fatigue life, provides a reliability of .999 with 
respect to precisely known loads. The solution 
process consisted of four basic steps First, the 
Felix/28 loading spectrum stresses (mean and 
amplitude) were multiplied by the alpha scaling 
parameter Second, the scaled stresses were 
adjusted using the Goodman correction The intent 
of the Goodman correction is to convert a given 
stress mean and range into an equivalent stress 
range which produces equivalent fatigue damage at 
R-0 Figure 3 describes the (joodman correction 
for the alpha scaled stress mean and range The 
equivalent stress range, sr>, is defineo. as 
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V = a Su sr / (Su - a sm + a s,. / 2)       (3) 

at the R=0 fatigue life curve for an arbitrary value 

of a. Equation (I) is used with Sr replaced by sr> 
to calculate the fatigue life. Third, for the mean 
and the reduced-strength definitions of the S-N 
curves, Palmgren-Miner's Rule is used to calculate 
the fatigue life for the Felix/28 spectrum. Finally, 

in the fourth step, a was plotted versus the number 
of sequences through the loading spectrum 

Problem 2. The purpose of Problem 2 was to 
include the variability of fatigue strength and 
applied load in the fatigue life calculations for six 
nines reliability. For this problem, both strength 
and load were assumed to be normally distributed 
with a 7% coefficient of \; -union The probability 
of failure for particular distributions of alpha and 
strength was considered to be a joint probability of 
occurrence problem. Joint probability distributions 
associated with two random variables are discussed 
in reference 2. The normal distribution curve or 
probability density function, as depicted in figure 4. 
is used to calculate tne probability that a value of 
the parameter (strength or load) exists in the 
interval between z, and z|+1 The product of the 
fractional or interval probabilities for load. AP,(u) 
and strength AP.(S) defines the joint probability 
that both occur simultaneously Thus, the joint 
probability was given by 

APjj(ct,S) = APj(u) + APj(S) (-1) 
This problem was solved numerically by creating a 
joint probability matrix for normal distributions of 
alpha and strength, as illustrated in figure 5 These 
normal distribution curves for alpha and strength 
were divided into 50 uniform increments from 
minus five sigma to plus five sigma about the mean 
A sensitivity study verified that 50 increments gave 
results to within 2.5% of the converged solution 
which required 200 increments 

The procedures which were discussed in Problem 

1 were used to compute the fatigue life, N^fa.S), 
for each combination of alpha and strength in the 
joint probability matrix Thus, there is an 
associated fatigue life for each element in the joint 

probability matrix. The reliability is calculated by 
reordering the [APj;(a,S). Ny(a,S)] pairs from the 
smallest life to the largest life. The re'sibiiity at 
any specified fatigue life is the sum of all values of 
in the array above that value of life. Figure 6 
presents an example of this cumulative joint 
probability versus fatigue life. As indicated in 
figure 6, the safe retirement life (or a POF = 
0 000001) can be easily calculated by interpolation. 
This process is repeated for each mean alpha from 
0 3 to 0.9 It turns out that only the shaded region 
of the joint probability matrix in figure 5 
contributes to the calculation of six nines reliability 
Thus, the number of computations needed to obtain 
six innes reliability is only about one-eighth of the 
2500 load and strength combinations. 

There was another method used in the round robin 
by several participants which gave essentially the 
same answers as the numerical joint probability/life 
matrix approach This alternative method was a 
closed-form solution which used the following ideas 
and procedures. Each alpha-scaled and Goodman 
corrected applied stress range ,sr.in the loading 
spectrum was assumed to be normally distributed 
with a mean value given by equation (3) and a COV 
equal to the alpha distribution COV Furthermore, 
because sr and S<_, are assumed to be normally 
distributed, the S-N curve in equation (2) was 
defined in terms of a new variable, , <|> = (sr - Sc) 
which was also assumed to be normally distributed 
with a mean. 4>m. and a standard deviation, cu 

The S-N equation became 

N = 500000(<t>) -1 51785 >0 (5) 

In the linear damage fraction (n/N), n was defined 
for each stress range in the loading spectrum The 
damage that was exceeded with a POF equal to 
10"° (or six nines reliability) at each stress range in 
the spectrum was determined by using equation (5) 
to calculate N when 

+ 4.75 o, 4>> 

where. 

<t> = <sr'm - sem> ™d °<|> = (CTsr2 + °< 

(6) 
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Finally, the safe retirement life was computed as the 
reciprocal of the total damage in the loading 
spectrum. 

Although this alternative method has produced 
answers which are close to those calculated by the 
"matrix" method, the two methods have not been 
shown to be theoretically equivalent. One of the 
differences between the "matrix" method and the 
closed-form method can be attributed to differences 
between the normal population statistics for alpha 
and sr. While the alpha-scaled stresses have the 
same COV as alpha, the alpha-scaled and 
Goodman-corrected stresses (sr) do not. There was 
no attempt in the current study to evaluate the 
limitations of assuming the same COV for alpha 
and sr on the accuracy of the results However, the 
closed-form method does require much less 
computation than the "matrix" method and both 
approaches were used in the round robin 

Problem 3. Problem 3 was posed to help examine 
the difference between the safe retirement life for 
the entire fleet and the safe retirement life based on 
individual aircraft usage. If the measurements 
necessary to determine alpha could be made with a 
3% COV, then significant maintenance cost savings 
could be achieved from the longer mean retirement 
life. This probelm is an application of the theorem 
of total probability where the total fleet has a 
normal distribution of alpha with a 7% COV The 
measurement error on each individual aircraft was 
assumed to have a normal distribution with a 3% 
COV. The solution of this problem consists of two 
steps. First, the safe retirement lives are calculated 
for each measured alpha This step is the same as 
Problem 2, except that the alpha variation has a 3% 
COV instead of 7% Second, the mean safe 
retirement life, Nmcan, is calculated for the 
prescribed mean alpha using the method of 
conditional expectation |17| and is expressed in 
integral form as 

N mean =     Nship(a) * ffia.t(a) da        (7) 

where Ns|,jp(a) is the individual ship six nines life 

for a 3% COV on applied loads and ffi^a) is the 

fleet probability density function for a 7% COV on 
the mean a. For this problem Nmean was 
calculated using a discretized form of Eq. (7) given 

by 

Nmean =   2 Nship(a) * Pfleet(a)       (8) 

where Nsnjp(a) is computed for a 3% COV on 

applied loads and Pfleet(a) = fflcet(a)*^a 's 

computed for a 7% COV on the mean a. Figure 7 
shows a graphical representation of this process. 

3 3 Round robin results The results of all three 
phases of the reliability round robin exercise are 
presented in this section. Only a portion of the 
results will be presented See reference 15 for the 
complete set of results 

Phase I ■ Identical Methods and Inputs. In Phase I, 
all participants used the same S-N curve, spectrum 
loading sequence, and statistical parameters in 
solving the three problems Table 5 presents the 
fatigue live for Problem 1 for the mean strength for 
all participants Table 6 gives the mean minus 
three sigma and mean minus five sigma strength 
predictions only for the VSD solutions All of the 
other participants solutions for this problem were 
similar. Tables 7 and 8 present the fatigue life 
calculations at six nines reliability for Problems 2 
and 3, respectively Fatigue lives in the tables are 
given in terms of the number of passes through the 
loading spectrum For Problems 2 and 3, the first 
numbers tabulated were calculated using the joint 
probability/life matrix approach while the numbers 
in parentheses were calculated using the closed- 
form method The results from Phase I confirmed 
that all participants could calculate about the same 
answers for all three problems when the S-N curve 
formulation, loading spectrum, and statistical 
parameters were identical. The small differences in 
fatigue lives calculated by the participants can be 
attributed to two possible sources. First, different 
answers would occur if the patticapants used 
different sizes of incremental sigma's(scc 
description of Problem 2 under Reliability Analysis 
section) in summing for a given level of probability. 
Second, the type of numerical integration method 
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used in summing for a given level of probability 
would also give slightly different results. 

Recall that Problem 2 was set up to calculate 
fatigue lives at six nines reliability without any 
knowledge about loads on individual aircraft. On 
the other hand, Problem 3 assumed that loads (or 
alpha) could be measured on each aircraft and that 
the measurement error has a 3%COV. Comparing 
the fatigue lives at six nines reliability between 
Problems 2 and 3 may provide some measure of the 
benefits of loads monitoring For Problem 3. the 
calculated six nines reliability fatigue life at a mean 
alpha of 0.6 was about 4.2 times greater than the 
six nines fatigue life calculated for Problem 2. 
Thus, this 4.2 factor could also be used to quantify 
potential cost savings if retirement lives could be 
increased through loads monitoring 

Phase II - Independent Methods and Inputs In 
Phase II, each participant used the constant- 
amplitude test points provided by VSD to develop 
an independent S-N curve, fatigue limit and fatigue 
limit COV. The form of the fatigue life equation 
was given as 

N = A(Sr-S,)"B w 
where A and B are curve fit parameters Table 9 
presents the parameters from equation (4) and the 
fatigue limit COV which were used by each 
participant. Table 10 gives the Phase II fatigue life 
results for Problem 1 in terms of the number of 
passes through the loading spectrum for the mean 
strength . S'-e reference 15 for the complete set of 
results. As expected, there were differences in the 
fatigue life predictions. The most significant 
contributor to these differences appears to be the 
value of the fatigue limit which was determined 
from the given constant-amplitude fatigue data 
Figures 8 and 9 highlight tome of these differences 
for Problem 1 at alpha's of 0 7 and 1.0. 
respectively. For alpha equal to 0 7 (fig X) the 
maximum difference in fatigue life predictions is 
seen to be almost a factor of 30 However, for 
alpha equal to 1.0 (fig 9) the maximum difference 
is less than a factor of three In terms of current 
analytical standards for fatigue life prediction 
factor of four difference  is  considered  ' 
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reasonable. At an alpha of 0.7, many of the loads 
are below the fatigue limit and small differences in 
the fatigue limit could result in large differences in 
the predicted fatigue life. As seen from Table 9, the 
fatigue limits used by the participants differed by 
almost 20 percent. The results are consistent with 
this reasoning in that the longest fatigue life 
predictions (fig. 9) were calculated by using the 
highest fatigue limits (Table 9). At the higher 
alpha's, more of the loads were above the fatigue 
limit and contribute to fatigue damage. Thus, 
according to Miner's Rule, less scatter in the fatigue 
life predictions should be expected, as shown in 
Figure 9 

Besides the effects of fatigue limit on mean life 
predictions, the manner in which fatigue strength 
reductions are applied will contribute to the scatter 
in life predictions Recall that in Phase I the 
statistical variations on strength were based on a 
constant standard deviation and not a constant 
coefficient of variation In Phase II, some of the 
participants based the strength reductions on a 
constant COV and not a constant standard 
deviation Assuming all other parameters equal, the 
predicted fatigue lives would be shorter when using 
a constant COV to account for strength variability. 
Another slight difference in the statistical analysis 
was the use of a log-normal distribution for strength 
by one of the participants The six nines reliability 
results from Problem 2 show larger differences 
among the participants than do the mean fatigue life 
results of Problem 1 One cause for these 
differences appears to be the magnitude of the 
fatigue limit COV that was used In addition, the 

differences at higher a values may be attributed to 
the use of a constant COV rather than a constant 
standard deviation 

Tables II and 12 show the Phase II fatigue life 
predictions at six nines reliability for Problem 2 and 
Problem 3, respectively. Again, for Problems 2 and 
3 the first numbers represent the joint 
probability/life matrix approach while the numbers 
in parentheses represent the closed-form method 
Figure 10 shows some of the differences in the six 
nines fatigue lives for Problem 2 at an alpha of 0.6. 
The maximum difference between the predicted 
itigue lives at six nines reliability was almost a 
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factor of 60. "' is, is about twice the „utter that 
was obtained in troiilem 1 for the mean fatigue life 
predictions. Comparing the ratio of fatigue lives 
between Problems 2 and 3 at mean alpha's of 0.8 
and 0.85, shows i'treases in fatigue lives at six 
nines reliability fro > ..< low as I 8 to as high as 40 
Again, the fatigue ' ;m aluc and the method used 
for fatigue strength • iuction (constant standard 
deviation versus cor :: it COV) may account for 
these differences. 

Phase III Spectrum I 'Hue Tests. In this phase, 
each industry participn ; used their standard linear 
cumulative damage meihodology and the mean S-N 
curves derived from the Pnase II constant amplitude 
fatigue tests to calcuiai mean spectrum fatigue 
lives. In addition to this approach, VSD used a 
fracture mechanics approach to calculate mean 
fatigue lives. The fracture mechanics approached 
used by VSD is explained in the following section 
on Possible Future Design Practices Table 13 
presents these mean fatigue life calculations at the 
same alpha's used to conduct the spectrum tests 
Figure 11 shows a comparison between the 
spectrum test data and the round-robin predictions. 
Although all the predictions are greater than the test 
lives, the predictions are within a factor of 4 
differences. The relatively small scatter among 
predictions is consistent with the Phase Il/Problem 
2 predictions for a >1. Also presented in figure 11 
are the round-robin predictions for fatigue Ines a; 
six nines reliability from Phase Il/Problem 2 One 
clear observation is the larger variation in six nines 
reliability predictions for alpha values less than one 

3.4 Round robin conclusions The purposes of 
the AHS reliability round robin were twofold 
First, it was intended to develop the logic for 
performing a reliability analysis for fatigue life 
prediction. Phase 1 was set up so that only one 
answer was correct and the results for each 
participant were compared to assure that a 
consistent approach was used. Second, in Phas.s M 
and III the participants applied the same logi: but 
used their company's standard fatigue methodology 
to solve for six nines reliability The intent of these 
two phases was not to prove that any r;,e answer 
was "right" or "better" but instead to find out what 
contributed to the differences. 

One of the conclusion of the reliability round robin 
was that the two major contributors which affected 
the results were the S-N curve formulation and the 
method used for strength reduction. This was also 
a conclusion or the 1980 AHS pitch link round 
robin. One of the questions which was raised as a 
result of tiiis round robin was whether the COV or 
the standard deviation remained constant over the 
S-N curve. In Phase I, all participants used a 
constant standard deviation to solve the fatigue life 
and reliability problems. However, in Phase II 
some participants used a constant standard 
deviation while others used a constant COV There 
is a real need to establish a uniform methodology 
for developing S-N curves and coefficients of 
variation 

Some aspects of the probabilistic approach to six 
nines reliability were not explored in the reliability 
round robin. There was no attempt to incorporate 
confidence levels By definition (and intent) the 
problems in the round robin were based upon a 
5U% confidence level The aim of the exercise was 
to develop a methodology which included loads 
variability but restrained the fatigue analyst's 
freedom to manipulate conservatisms in the 
measured loads The need to include confidence 
levels is a topic which may require further 
evaluation Another purpose of this exercise was to 
try and quantity the benefits of individual 
component replacement versus fleet replacement. 
The alpha parameter was devised to account for 
loads variability in the reliability analysis While 
the results showed the potential for increasing mean 
retirement lives through loads monitoring (with 
commensurate reductions in costs), no attempt was 
made in this first round robin to separate usage 
from other sources of variability in the loads 
Additional studs is needed to examine how usage 
should be treated to properly account for 
operational variability. 

All of the questions brought up by the round robin 
affirmed that much more work is needed before 
reliability-based fatigue design becomes standard 
industry practice The round-robin results did 
demonstrate that consistent reliability-based design 
cannot be implemented without the cooperation of 
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all the rotorcraft industry. In addition to the study 
areas already mentioned, the reliability round robin 
further suggested that follow-on efforts to this 
round robin are needed to: 

(1) Extend the statistical and reliability analysis 
complexity to account for both usage and other 
sources of load variability, and to assess reliability 
versus confidence levels. If current flight data 
recorders largely monitor usage, what docs this 
imply for load accuracy and the merit of individual 
part replacement? 

(2) Apply the reliability methodology to metals 
using a damage tolerance or fracture mechanics 
approach. 

(3) Repeat the P-M and TLA approaches on other 
metallic materials with different ultimate strengths 
and stress concentration factors to develop 
confidence in the fatigue reliability approach. 

(4) Evaluate the effects of coupon versus full-scale 
testing on data scatter 

(5) Investigate flight loads survey methodology to 
better define the variabilities of usage and pilotage 
(simulated mission flights versus maneuver-by- 
maneuver flights). 

(6) Extend the reliability-based fatigue 
methodology to composites 

Several other sources of work on fatigue life and 
reliability need to be noted. Two independent 
sources have stated that the six nines reliability 
design requirement does not seem to be possible 
with the safe-life approach of fatigue life prediction 
(18,19). One of the sources |ls| shows that the 
large reduction required in the fatigue endurance 
limit in order to met "six-nines" would place a 
severe weight penalty on the component The other 
source [19] uses an example problem on a pitch 
horn and states that only three-nines reliability can 
be achieved using a safe life approach In the case 
of the pitch horn example problem, a redesign of the 
pitch horn from a single-load-path to a dual-load- 
path design, showed the dual-load-path pitch horn 
to have a reliability of nine-nines with a first 
inspection interval of 1450 flight hours The dual- 
load path design was about 12 % heavier than the 
single-load-path safe-life design 

nil 

Sensitivity studies concerning the assumed 
probability density functions(PDF) chosen to 
represent the flight loads and fatigue strength of the 
component, have shown that for even almost 
undetectnble differences in assumed PDF's high 
reliability estimates can vary substantially [20], 
Further work by the same researches has stated that 
even a small amount of uncertainty in the safe life 
fatigue model can result in a substantial reduction 
in high reliability values for the specified lifetime of 
a component [21,22J. 

The work just sited in reference 18 and 19 and the 
several questions and follow-on studies suggested 
b> the AHS reliability round robin only continue to 
reinforce the fact that it will take a cooperative 
effort from both the procuring agencies and the 
rotorcraft industry before a reliability-based fatigue 
design can become a standard industry practice. 
Much of the ongoing efforts of the AHS 
subcommittc on Fatigue and Damage Tolerance is 
aimed towards deveolping a cooperative effort of 
all parties involved in the design and procurement 
of rotorcraft.. 

4.   FUTURE DESIGN PRACTICES 

The AHS subcommittee on Fatigue and Fracture 
Mechanics is currently studying the application of a 
fracture mechanics approach to fatigue life design 
of rotorcraft This is part of the follow on activities 
of the rcliabilitv round robin that was just reviewed. 
In the paper by Krasnowski | 23] it was concluded 
that a damage tolerance method was more suited to 
a six-nines reliability fatigue life design approach 
than the safe life method Krasnowski further 
stated that a fatigue life prediction model that took 
into account the fact that the damage process 
originates from microscopic features, such as 
metallurgical impurites, would lead to a better 
procedure for evaluating a reliability fatigue life 
method. A damage tolerance model based on the 
crack closure phenomena where the total fatigue life 
is calculated using crack propagation as the entire 
fatigue process has been developed by Newman 
[24] One of the unique features of this model is 
that the fatigue cracking process is considered to 
start from nieturlurgical features such as inclusion 
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particles. In a study done by Swain et al (25) 
these metallurgical features were shown to be on 
the order of 0.0006 inches for 4340 steel. This is 
quite a centrast in size compared to the more 
traditional damage tolerance approach which uses 
an initial crack size of 0.05 inches for comer cracks 
emanating form a hole to calculate a safe inspection 
interval [26]. 

The more traditional damage tolerance approach 
which calculates safe inspection intervals, 
calculates these intervals by integrating a crack 
growth rate versus stress intensity factor 
relationship like 

da/dN = C (AK)m 
(10) 

where da/dN is the crack growth rate. AK is the 
stress intensity factor range, and C and m arc curve 
fit parameters The main difference between the 
total life analysis(TLA) and the more traditional 
fracture mechanics approaeli is that crack-closure 
concepts are used to define an effective AK and the 
initial crack length was determined from a previous 
"small" crack study on 4340 steel |25| From crack- 
closure considerations. AK in equation 10 is 
replaced by AK effective The effective stress 
intensity factor is usually defined as 

AKcfr=(Smax-S0)(7ta)^F (II) 

where S0 is the crack-opening stress as calculated 
from the analytical closure model developed by 
Newman |24] and F is the boundary correction 
factor which accounts for the effects of structural 
configuration on the stress intensity factors To 
calculate the crack growth rate, equation 10 
becomes 

da/dN = C|(Smax-S0)(*a)'"F| 1/2 pini (12) 

Total life is calculated by nunieric.ll;, integrating 
equation 12 from the initial crack length, a, . to the 
final crack length , aj-. where a, is the initial crack 
length as determined from the small crack studies 
and af is the final crack length at failure    Cycles 
are summed as the crack grows until KmaN = 
where Kc is the fracture toughness   When K„ 

K, 

Kc , the summation of the load cycles, N, becomes 
the total fatigue life. 

The total fatigue life as determined by the TLA 
method was calculated from a computer algorithm 
developed by Newman. For this study the initial 
crack leng.'h used to predict the fatigue life was 
0.0006 inches . This value was taken from a small 
crack study on 4340 steel [25] in which initial 
defect sizes at 34 crack initiation sites were 
evaluated by scanning electron microscopy of the 
fracture surfaces. The largest value was about 
0 002 inches, the median value was about 0.0006 
inches, and the smallest was about 0.00008 inches 

For the AHS reliability round robin fatigue tests 
were run on 4340 steel specimens at a tensile 
strength of 212 ksi The specimens were one inch 
wide and had an elastic stiess concentration factor, 
Kj of 2.42(based on net section stress) Figure 12 
shows the results of these tests as well as the 
fatigue life predictions from the TLA analysis and 
the a nominal stress P/M rule analysis As it can be 
seen from Figure 12 both the TLA and the P/M 
analysis predicted the trend of the test data very 
well Neither of these analysis employed any 
probabilistic considerations The S/N curve used 
for the P/M analysis was based on a mean 
regression line of constant amplitude tests at a 
stress ratio oi' zero |27| Both analysis predicted 
fatigue lives which were slightly on the 
unconservative side of the test data. If either of 
these two life prediction methods were used for 
predicting the design fatigue life of a rotorcraft 
component, some type of reduction would be taken 
from the calculated mean life as stated earlier 
Figure 13 shows life prediction curves for both of 
these methods with a reduction factor included to 
simulate design allowables. For the TLA analysis 
the lives were calculated using the largest 
metallurgical feature found in reference Swain 
While this design allowables curve predicts live on 
the conservative side of the test data, it predicts an 
endurance hunt between 40 and 45 ksi which is 
nominally 20 ksi less than the 80% P/M design 
allowable value and 25ksi less than the one runout 
test To place in perspective the effect of using the 
current traditional damage tolerance initial crack 
size(0 05 in ) on predicting total life, a curve from 
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these calculations is also shown in Figure 13. Very 
conservative lives would be predicted using the 0.05 
in. initial crack size. 

As a result of P/M analysis predicting lives fairly 
well for the test lives under the Felix/28 spectrum 
loads, additional test were run on 4340 steel using 
the standardized fixed-wing load spectrum called 
Minitwist [28]. Since this spectrum is often 
thought of as a highly load interactive spectrum, 
the test lives from this spectrum should prove 
difficult for the P/M analysis The results of these 
tests and the TLA and P/M analysis are shown in 
figure 14, For tests above the endurance limit the 
TLA analysis predicted practically the same lives as 
the test data while the P/M analysis predicted test 
lives that were again slightly unconservative. One 
possible problem with the P/M rule as used in the 
past was the lack of an adequate load counting 
technique. With the advent of the rainflow 
technique some the problems caused by load 
counting inadequacies may be lessened 

Other studies done by Newman et. al |29| have 
shown the TLA analysis using small crack 
considerations to work very well for other metallic 
materials such as 2024-T3 ahmiiuini. 20W-T8E4I 
aluminum-lithium, and Ti-6AI-4V titanium. Before 
a method like the TLA analysis will replace an 
industry standard like the P/M rule work will have 
to be done in predicting the fatigue Ines of actual 
aircraft size components To this end a rather 
exhaustive amount of work is being done in the 
United States using the TLA analysis in crack 
growth and life predictions in the study of aging 
aircraft. 

One study conducted by Sikorsky Aircraft towards 
studying the possibhties of life managing rutorcraft 
using a damage tolerance approach(DTA) is worth 
noting (30j. Sikorsky evaluated the possible use of 
the damage tolerance approach for several dynamic 
components of the HH-53 helicopter The 
components studied were considered to be among 
"the most difficult for achieving damage tolerant 
management " These parts were from the main 
rotor and tail rotor hubs as well as some aufranie 
structure. The results showed that if a DTA was 
used on these selected components reliable detection 
of cracks as small as 0.005 to 0.010 inches would 

have to be established. Furthermore, conservatisms 
such as using 95% of maximum vibratory loads 
could not be used. Further requirements included 
"improved stress intensity models for steep stress 
gradients, verification of stresses and crack growth 
behavior in threads, and additional crack 
propagation rate and threshold data for(so-called) 
small cracks(<0.020 inches)." 

Another deficiency noted by the DTA study done 
by Siksorsky was the lack of usage data for the 
HH-53 helicopter. The lack of usage data is a 
general problem that affects the reliability of fatigue 
life calculations regardless of the fatigue design 
method used. As noted by Lincoln in reference 31 
reliable usage data performs at least two functions. 
First it will allow an assement of how pilot 
techniques may influence the actual life calculations 
by quantifying the difference in flight loads and 
usage between the experienced flight test pilot and 
the total pilot population. Second, it will help the 
rotorcraft owner to recognize when the usage of a 
fleet or individual rotorcraft have changed thus 
requiring possible modifications to their 
maintenance actions The use of usage monitors 
will probably be driven mostly by economic 
considerations. However, as stated by Lombardo 
|I4| "usage monitoring is a field that will grow in 
the next few years as operators and manufacturers 
strive to reduce helicopter operating costs without 
compromising safety." 

In the late 1970's :he US Army developed under 
contract a flight recorder known as the Structural 
Integrity Recording System called SIRS |14] 
However, this system was not put into service In 
the early 1990's the US Navy developed a system 
called the Structural Data Recording Sct(SDRS) 
|I4| This system is currently being tested on an 
AH-1W Cobra The systems are intended for 
production in 1943 with installation planned on all 
Navy fixed and rotory-winged aircraft The U.S. 
Air Force also \i developing a usage monitor for the 
HH-53 helicoper under a contract with Sirkorsky 
Aircraft 1301 

The development of a rather unique usage 
monitoring system was started by the US Army 
Vehicle Structures Directorate(VSD) of the Army 
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Research Laboratories(USARL). The intent of this 
device is to be a low cost system that is small and 
requires very little hands-on maintenance from the 
operator. The low cost of the device will allow it to 
be placed fleet-wide thus maximizing the amount of 
usage data that will be gathered. This should 
provide the amount of data that is needed in 
reliability analysis. The basic concept behind this 
device is to compare the actual type of nvanever 
being flown with the design mission spectrum which 
is usually the 95th percentile spectrum If the 
manevers actually being flown are less severe than 
the 95th percentile maneuvers than the recorder 
known as MIC (Mission Intensity Counter) will 
indicated that additional life beyond the design life 
is possible. Of course the reverse is true in the 
manuvcrs being flown are more severe than the 95th 
percentile design maneuvers. The basic concept of 
the MIC depends on identifying the maneuver being 
flown with as few flight parameters as possible 
Before a prototype of the MIC can be built several 
data recognition features need to be addressed 
Among these are determining what is the minimum 
number of maneuvers that need to be iidentified by 
the MIC in order to be able to determine if the 
design life can be modified The current status of 
the MIC's development is given in reference 32 

5.    SUMMARY 

Methods used for calculating the fatigue life of 
rotorcraft in the past(deterministic safe life), current 
(six nines reliability for safe life), and possible 
future design approaches have been reviewed Past 
practices were addressed by reviewing the AHS 
pitch link round robin of 1980. The principle 
causes of the large differences in fatigue life as 
calulated by the several participants lias been 
shown to be the shape of the S/N curve used be 
each participant and the reduction factor used on 
the mean fatigue endurance limit to get the design 
allowable Current fatigue design requirements 
were illustrated by reviewing the 1989 AHS 
rcliabiliaty round robin which sought to address 
some of the issues involved in establishing a si\ 
nines reliability fatigue life. The two major 
contributors which affected the results of this round 
robin were the same as the pitch link round robin 
Another conclusion of this round robin was that 

loads monitoring could increase rotorcraft mean 
retirement lives. Future rotorcraft design 
procedures were shown to include the possiblity of 
calculating totle fatigue life using a fracture 
mechanics model that used only crack propagation 
considerations. The need for load monitors was 
also addressed and several efforts to develop these 
were noted. 
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Table i. Pitch link mission spectrum 

Condition Percent Time 

1. Hovrr-IGE 
2. Ascent 
3. Level flight 

a. 0.4 VH 

b. 0.6 VH 

c. 0.8 VH 

d. 1.0 VH 

e. 1.2 VH 

4. Pullup(2.0g) 
5. Pushover (0.5g) 
6. Turns 

a. Right 
(1) 1.5g 
(2) 2.0g 

b. Left 
(1) 15g 
(2) 2.0g 

7. Descent 
a. Partial power descent 
b. High speed dive (1.2 Vj|\ 

0.75 
0.50 

0.75 
0.50 

2.40 
5.00 

23.95 
20.50 
2.40 

1.25 

1.25 

17.00 
0.50 

4.25 
18.50 

54.25 

1.00 
2.00 
2.50 

17.50 

• • 

100.00 

Table 2 Flight Loads Data 

Flight              Flight     Event 
Condition 

Time 
(sec) 

Cylcles CPS Max Min Sidy Alt 

Hover 1 2 11.25 5.63 -80 -850 -435 415 
Ascent 2 10 54.5 5.45 1380 0 690 690 
LF 0.4VH 

LF0.6VH 

LF0.8VH 

LF 1.0VH 

LF 1.2VH 

TU 2.0G             1 

1           3 
1           4 
1           5 
(            6 
1             7 

8 

2 
2 
2 
2 
2 
9.7 

10.7 
10.7 
10.8 
10.76 
10.7 
52.25 

5.36 
5.36 
5.4 
5.38 
5.36 
5.39 

910 
980 

1070 
1270 
2000 
2134 

-460 
-640 
-680 
-710 
-520 

-1319 

225 
170 
195 
280 
740 
406 

685 
810 
875 
990 

1260 
1727 

PO 0.5G             1 9 10 53.95 5.4 1800 -400 700 1100 
RT 1.5G 10 10 53.95 5.4 2147 -1254 447 1701 
RT 2.0G 11 10 54 5.4 2236 -1376 430 1806 
LT 1.5G             1 12 9.9 54 5.45 2150 -1300 425 1725 
LT 2.0G             I 13 10 54.5 5.45 1932 -1214 368 1564 
PPD                 1 14 10 54 5.4 1340 -550 395 945 
HSD 1.2 VH       j 15 10 54 .4 2352 -1386 483 1869 
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Table 3. Pitch link endurance limits. 

Manufacturer Endurance limit Endurance limit 
mean value (lb) design allowable (lb) 

Aerospatiale 2176 1225 
Agusta 2100 1674 
Bell 2061 1649 
Boeing-Vertol 2106 1685 
Hughes 2024 1717 
Kaman 2101 1615 
Sikorsky 2100 1400 

• 

Table 4. AHS Reliability Round Robin Participants 

Organization ID Code 

Aerostructures Directorate (AVSCOM) 
Bell Helicopter Textron 
Boeing Helicopters 
Kaman Aerospace Corporation 
McDonnell Douglas Helicopter Company 
Sikorsky Aircraft Division 

ASTD 
BHT 
BH 
KAC 

MDHC 
SA 

•        • 

Alpha 

Table 5. Fatigue life predictions for mean strength, 
Phase I / Problem 1 

ASTD BHT BH KAC      MDHC SA 

0.3 6.2 le9 
0.4 6.21e9 
0.5 14740 14900 14700 16236 14895 
0.6 171.1 170.5 168.4 171.0 175.0 168.4 
0.7 47.8 50.0 46.85 47.8 48.0 46.85 
0.8 18.69 19.3 18.42 18.7 19.0 18.42 
0.9 3.49 3.5 3.48 3.49 3.7 3.48 
1.0 1.03 1.0 1.02 1.0 1.02 

Note: Fatigue lives are in terms of number of passes through the spectrum 
(1 pass = 161034 cycles). 

•        • 
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Table 6. Fatigue life predictions for mean minus 3 sigma and mean - 5 sigma 
strength,VSD values only, Phase I / Problem 1 

Alpha Mean -3a Mean - 5a 
0.3 6.21e9 2.67e6 
0.4 10850 214.9 
0.5 135.0 44.2 
0.6 36.9 5.18 
0.7 6.72 .891 
0.8 1.36 .209 
0.9 .294 .096 
1.0 .117 .057 

Note: Fatigue lives are in terms of number of passes through the spectrum 
(1 pass = 161034 cycles). 

Table 7. Fatigue life predictions for six nines reliability, 
Phase I / Problem 2 

Alpha ASTD BHT BH KAC MDHC SA 

0.3 22697 
(23062) 

(22663) 

0.4 110.7 
(105.0) 

111.4 105.2 
(105.4) 

162.6 (105.3) 

0.5 21.48 
(22.0) 

24.05 21.26 
(22.1) 

(22.3) 23.6 (22.08) 

0.6 2.14 
(2.19) 

2.23 2.01 
(2.2) 

(2.21) 2.08 (2.20) 

0.7 .315 
(.35) 

.280 .310 
(.351) 

(.35) .31 (.35) 

0.8 .108 
(.114) 

.112 .104 
(.114) 

(.114) .11 (.11) 

0.9 .056 
(.058) 

.056 .052 
(.058) 

(.058) .06 (.06) 

1.0 .035 
(.036) 

.033 
(.036) 

.04 (04) 

Notes: 1. Fatigue lives are in terms of number of passes through the spectrum 
(1 pass = 161034 cycles). 

2. Fatigue life values in parentheses were calculated using the 
closed-form method 

•        • 

•        • 
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Table 8. Fatigue life predictions for six nines reliability, 
Phase I / Problem 3 

® 

Alpha       ASTD BHT BH KAC     MDHC SA 

0.6 8.88 
(8.60) 

9.50       8.67 (8.65)       9.14 (8.90) 

Notes: 1. Fatigue lives are in terms of number of passes through the spectrum 
(1 pass = 161034 cycles). 

2. Fatigue life values in parentheses were calculated using the 
closed-form method 

Table 9. Phase II results for S-N curve formulations 

S-N Curve BH MDHC 
Parameter ASTD BHT (1) KAC (2) SA 

A 3.500e6 3.828e6 1.40e9 1.148e8 n.a. 3.855e6 
B 1.47164 1.37 2.927 2.31 n.a. 1.3699 
Se 54.5 49.6 44.75 48.0 n.a. 53.56 

COV (Se) .07 .109 .0785 .0831 n.a. .10 

Notes: 1. Log normal distribution assumed. 
2. Round robin S-N formulation not applicable. 

Tible 10. Fatigue life predictions for mean strength, 
Phase II / Problem 1 

Alpha        ASTD       BHT(2)       BH(2,3)       KAC MDHC SA(2) 

0.5 6.20e9 
0.6 190735. 1.59e6 90356 
0.7 38180. 2316.5 10610. 10900. 1934.0 52354. 
0.8 1144.0 649.0 1545.3 1760.0 655.0 1418.8 
0.9 376.1 288.0 447.9 580.0 292.0 449.5 
1.0 175.8 121.5 175.8 231.0 80.0 205.6 
1.1 82.21 59.2 69.2 87.74 
1.2 22.37 20.3 22.8 22.23 

Notes: 1. Fatigue lives are in terms of number of passes through the spectrum 
(1 pass = 161034 cycles). 

2. Constant COV for strength reduction. 
3. Modified Goodman correction. 



Table 11. Fatigue life predictions for six nines reliabaility, 
Phase II / Problem 2 
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Upha ASTD BHT BH KAC MDHC SA 

0.3 4786. 17360. 

0.4 257200. 
(217500.) 

324. 1428.0 45914. (2744.2) 

0.5 1166. 
(1088.) 

42.0 121.2 (1340.) 814.0 (326.2) 

0.6 283.6 
(257.6) 

4.8 18.3 (278.0) 180.0 (88.51) 

0.7 78.06 
(79.56) 

.90 4.28 (45.2) 19.0 (10.74) 

0.8 12.25 
(12.85) 

.40 1.73 (8.98) 3.7 (2.20) 

0.85 6.82 1.19 (1.09) 

0.9 2.88 
(3.24) 

.25 .878 (2.75) 1.2 (.67) 

1.0 .924 
(1.01) 

.492 .66 (.35) 

1.1 .468 
(.508) 

.679 (.22) 

1.2 .288 
(.314) 

.206 (.15) 

•     • 

Notes: 1. Fatigue lives are in terms of number of passes through the spectrum 
(1 pass = 161034 cycles). 

2. Fatigue life values in parentheses were calculated using the 
closed-form method 

•        • 
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Table 12. Fatigue life predictions for six nines reliabaility, 
Phase II / Problem 3 

Alpha       ASTD BHT        BH KAC     MDHC       SA 

0.8 3.17 (30.5) 
0.85 25.74 13.55        2.13 9.14 (2.7) 

(25.49) 

Notes: 1. Fatigue lives are in terms of number of passes through the spectrum 
(1 pass = 161034 cycles). 

2. Fatigue life values in parentheses were calculated using the 
closed-form method 

Table 13. Fatigue life predictions for mean strength, Phase III. 
(Smax = 70.44 for alpha = 1.0) 

smax        AIPh»        ASTD           BHT         BH           KAC      MDHC SA 

73.3            1.04           134.7         121.49       109.8                       38.74 156.1 
80.0            1.14          51.72             18.3         37.5         38.5       13.67 53.7 
86.7            1.23             15.3             7.90         15.4          17.5         4.41 15.4 
90.0            1.28            9.27            4.60         9.32          9.18         2.56 9.5 
93.3            1.32            6.69             2.88         5.46          5.78         1.85 6.8 
100.             1.42            2.48             1.23         2.42          2.49         1.03 2.2 
120.             1.70            .375               .38         .448          .466 .38 

Note: Fatigue lives are in terms of number of passes through the spectrum 
(1 pass = 161034 cycles). 
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1. SUMMARY 

The methodology currently used in Sweden for fatigue 
management and verification of airframes is described. 
Applications from the new Tighter siicraft JAS39 Gripen 
are included in order to illustrate the various concepts 
being considered. Additional experience from recent work 
on the older fighter 37Viggen is also included to highlight 
certain differences in the detail analyses, stemming from 
rather different nominal stress levels in the two aircraft. 
The present paper discusses the handling of load sequences 
and load spectra development, stress analyses and fracture 
mechanics analyses, fatigue crack growth modelling, 
component and full scale testing, service load monitoring 
regarding both the dedicated test aircraft, which is used to 
verify basic load assumptions, and also the individual load 
tracking programme developed for the new Tighter. 

2. INTRODUCTION 

While fatigue is recognised as the primary failure 
mechanism in most structural components, the 
consequences of such failures (in terms of lives and money) 
are probably more obvious and severe for aircraft than in 
any other area. Fatigue and damage tolerance of aircraft are 
dominant factors throughout the design process, the 
manufacturing, the structural testing (component level and 
full-scale), the initial test flights and during the subsequent 
usage of the aircraft. Without adequate knowledge of 
relevant loading conditions, resulting stress distributions 
and material properties no fatigue assessment can be 
achieved. Further on, such work has to be attached to a 
specific design philosophy - can the actual component be 
inspected during service, in the case of damage ■ can it be 
repaired or replaced, and in the case of failure, will that 
cause loss of the entire aircraft? Questions like these, and 
many more specific detail problems, are dealt with in 
existing regulations and specifications for military 
aircraft, e.g. Refs (1-9) It is far beyond the scope of the 
present paper to discuss these specifications in any detail 
(there are also other ones treating, for example, flight and 
operations tests, vibrations, sonic fatigue and non 
destructive inspections). Instead, the purpose of this paper 
is to briefly discuss fatigue management and verification of 
airframes, with emphasis on the new fighter JAS39 Gripen 
but with specific examples added from work on the Tighter 
37Viggen. These two aircraft are designed with some 20 
years apart, relying on safe life and/or fail safe 
methodology for the Viggen fighter but damage tolerance 
requirements for the Gripen aircraft which, amongst other 
things, lead to significantly lower stress levels than for 
the Viggen aircraft. Hence, first order conservative 
estimates of stress levels and stress intensity factors are 
normally adequate to verify the design life for the Gripen 
aircraft while the analytical work carried out to verify the 
damage tolerance for the Viggen fighter is much more 
refined. 

3. DAMAGE TOLERANCE AND DURABILITY 

Below we present firstly a short summary of basic 
definitions, as they are normally interpreted in general 
terms. Thereafter, we specifically discuss details of these 
same concepts as applied to the two Swedish fighters being 
under discussion. 

3.1 Damage   tolerance 
Basically, this approach which was developed by the 
United States Air Force (9). and which is now adopted with 
or without minor modifications by virtually all countries 
for both military and civil aircraft, differs from the original 
Fail-Safe philosophy in that it assumes cracks to exist in 
the structure already at the very first load cycle. Also, a 
distinction is made between in service inspectable or non- 
inspectable structures. Presently, with the exception of 
landing gear, engines and engine mounts ail fighter aircraft 
structures and all inspectable civil aircraft structures are 
considered as damage tolerant (9,10) Recently, the damage 
tolerance approach has also been introduced for engines 
(11-13), and the concept is also considered viable for 
helicopters (14). 

3.2 Durability 
While damage tolerance is the principal means to ensure 
structural safety, durability may be considered as a 
quantitative measure of the structure's resistance to fatigue 
cracking under specified service conditions This means 
that the economic life-time, including all inspections, 
replacements or repairs, should exceed or at least equal the 
design life based on damage tolerance. The traditional 
means to achieve durability has been through conventional 
fatigue testing and analysis However, recently a fracture 
mechanics philosophy, combining a probabilistic format 
with a deterministic crack growth approach has been 
devised (15) for ensuring the U.S. Air Force's durability 
design requirements for advanced metallic airframes (16) 

3.3 Initial   Flaw   Size   Assumptions 
A damage tolerance analysis implies a thorough 
identification of all critical areas with due regard to the 
utilisation of the aircraft and the impact of failure 
According to the U.S. Air Force Military Specification (11) 
these areas should be classified either as Slow Crack 
Growth, Fail Safe Multiple Load Path, or Fail Safe Crack 
Arrest structures If it is possible to prove that the structure 
is Fail Safe due to Multiple Load Paths (i.e. load 
redistribution) or Crack Arrest capability, less stringent 
conditions have to be satisfied. 

As a result of material and structure manufacturing and 
processing operations, small imperfections equivalent lo a 
0 127 mm radius corner flaw shall be assumed to exist in 
each hole of each element in the structure. The flaws are 
assumed to be located in the most unfavourable orientation 
with respect to applied stresses and material properties In 
addition it is assumed that initial flaws of sizes specified in 
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Ref (9) can exist in any separate element of the structure. 
Only one initial flaw in the most critical hole and one 
initial flaw at a location other than a hole need to be 
assumed to exist. Interaction between these assumed initial 
flaws does not need to be considered. The flaw shape is 
assumed to be through the thickness (straight crack front), 
quarter circular or semi-circular. However, other flaw 
shapes with the same initial stress intensity factor are 
considered Appropriate, particularly at locations in the 
structure where other shapes are more likely to occur 

3.4 Damage tolerance methodology 
It should be emphasised that the damage tolerance 
evaluation essentially is analytical but that sufficient 
testing must be performed to validate the analytical 
methodology. No strict requirements exist on how the 
analysis should be performed but the following steps are 
normally encouraged. 

• Based on structural analysis the most fatigue critical 
aieas are identified. 

• Stress intensity factors as function of crack geometries 
(length, depth) and applied loading are computed for 
the identified areas. Initial flaw size assumptions are 
specified in the V.S. Air Force Military Specification 
(9). 

■    Fatigue crack growth integration is performed on a 
cycle-by-cycle basis preferably using tabulated 
constant amplitude leg-data. 

• If a retardation or rctaidahon acceleration model is used 
in the crack growth analysis, this model should be 
shown to be non-unconservative by relevant testing. 
For example, the original Willenborg model should 
not be used. 

• In the definition of relevant load- and stress spectra, 
experimental truncation tests (of the scarce extreme 
loads) should be performed to obtain a spectrum which 
minimises crack growth life for analysis 

• F,xtreme loads must be considered for residual strength 
calculation. 

• A certain number of component tests, representative of 
the structure, should be performed to validate the 
prediction capability of crack growth in complex 
structures 

• Based on the analytical predictions of fatigue crack 
growth, relevant inspection intervals are defined. 

These steps are usually complemented not only with full- 
scale static tests up to at least limit load but also with full- 
scale spectrum fatigue tests. The latter are typically carried 
out for at least two design life times in order to detect any 
cracking at locations which might have been overlooked 
in ihe analysis   If no cracking occurs during these lives 
artificial flaws are introduced at critical areas and then the 
spectrum loading is earned out for two more design life 
times   During the latter phase crack growthffrom fatigue 
cracks or artificial flaws) is monitored and compared to 
analytical predictions.  The testing is able to provide such 
comparisons for several locations as cracked components 
may either be repaired or replaced by new ones. 
Eventually, the test ends with a residual strength test of a 
major structural component 

3.5 The Saab JAS39 Gripen aircraft 
The basic military concept behind Ihe JAS39 aircraft is 
that each individual aircraft and each individual pilot 
should provide multi-mission capability, i e instantly he 
able to perform air-defence as well as air-to-surface attacks 
or reconnaissance, without any changes to the aircraft 
itself This multi-mission capability will result in an 

operational flexibility allowing concentration of units in a 
manner previously not technically possible. 

The Gripen is designed to fit into the Swedish Air Force's 
base system. This means that the JAS 39 is capable of 
taking off from and landing on road bases. Flight 
preparation at wartime bases should be possible by 
conscripted personnel under field conditions. 

The aircraft is aerodynamically unstable in certain parts of 
its operational envelope Stability is obtained by means of 
a triplex digital fly by wire control system with a triplex 
analogue back up system. 
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3.5.1 Approximate Data of the Aircraft 
lingine 

Weight: 
Length: 
Wingspan: 
Speed: 

Wing: 

One Volvo Ftygmotor RM12 
(sGeneral F.leclric F404) producing 8 tons 
thrust 
8 Ions 
14 m 
8m 
Supersonic at all altitudes 

Multi-spar design with skins and spars made 
of CFRP-laminatcs Root rihs made of Al- 
alloy. The structure is bolted together 

Canard. Fin and Control surfaces: 
Full core aluminium honeycomb with CFRP 
laminate skins 
Some rudders of All-alloy 

Fuselage:      With exception for a few doors it is all 
metallic, 7475 skins, 7075 extrusions and 
7010 forgings 

Most of the attachment fittings joining the various parts 
of the aircraft are made of 7010 forgings 

The CFRP laminates were initially made of Ciba-Cieigy 
toughened epoxy with UTA 7 fibres Presently also 
Hercules systems are qualified to be used 

3.5.2 The Design Requirements 
Design limit load factor = 9.0 
I'ltimate safety factor - 15 
CFRP laminates not allowed to buckle below I50%1.1. 

The design and testing requirements essentially agree with 
the U.SA.F. military specifications, Rcfs (3-11). 

3.5.3 Damage tolerance requirements for the JAS 39 
Gripen 
Only so-called Critical parts are required to comply with 
damage tolerance requirements. A part is classified as 
critical if its failure alone may cause the loss of an aircraft 
The requirements are essentially identical with USAF M11 - 
A-83444. The main difference is that the residual strength 
requirement is always 120%U. 

• • 

Analysis Goal: 

Verification Goal: 

Minimum Requirement 

3000 hrs. inspection-free 
service life 
4000 hrs   inspection-free 
service life 
No detail to have a shorter 
inspection interval than 
400 hrs 
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3.5.4 Damage tolerance verification policy 
Previous experience from a damage tolerance study on (he 
Saab AJ37 Viggen aircraft led to the following policy: 

The damage tolerance verification is to be done on full- 
scale assemblies, where the critical part is correctly 
built into its surrounding structure. 

The critical parts are to be manufactured according to 
series production standard. (Example: Die forgings are 
not to be substituted by hand forgings or plate 
material). 

Fatigue testing of critical parts is not allowed to be 
eliminated just because a damage tolerance verification 
testing is earned out (Reason: The damage tolerance 
test is biased, because it interrogates the structure only 
at the points where artificial flaws have been made A 
correct fatigue test does not suffer from that kind of 
bias.). The fatigue testing shall cover at least four 
inspection free lives   i.e., 4x4000 hrs 

The damage tolerance verification testing shall be done 
using realistic flight by flight simulation testing, and 
shall cover at least two inspection free service lives, 
i.e.,   2 x 4000 hrs. 

A critical part having initial artificial Haws in 
accordance with Mil-A-83444 and which survives 
2 x 4000 hrs. of realistic service life simulation 
followed by a residual strength testing to 120%Ll. is 
considered to have fulfilled the verification goal: 
4000 hrs. of inspection-free service life 

If significant crack growth occurs during the damage 
tolerance testing, a safe inspection interval is to be 
established based on crack growth observations 

3.6  The  Saab   37Viggen  aircraft 
The Swedish fighter aircraft 37 Viggen, Figure 1, was 
designed some 30 years ago on a safe life and/or fail safe 
basis. Some major parts of the aircraft have been re- 
assessed in terms of a damage tolerance evaluation. The 
aim of this assessment has been to ensure structural safety, 
and to investigate the possibilities for extending the 
original life of the aircraft. This can be carried out because 
the total life of the aircraft will depend on its durability 
(see definition above) while the damage tolerance ensures, 
at all stages, the structural safety of the aircraft. 

The purpose here is to summarise some of the damage 
tolerance analyses and the testing pe.formed on the main 
wing attachment frames. There are four versions of the 
main wing attachment frame due to two different versions 
of the aircraft, attack (AJ) and fighter (JA), and due to major 
changes in the geometry made after serial production of 
several aircraft. In this paper focus is on the latest version 
of the JA frame. Specifically, the aim is to briefly show the 
complexity of a damage tolerance assessment in a case 
where the safe original life design has resulted in rather 
high stresses 

Because of the original safe life design, resulting in quite 
high stresses, very extensive finite element analyses have 
been necessary in order to obtain accurate stress 
distributions in critical sections These stress distributions 
have subsequently been used for the evaluation of 3D stress 
intensity factors. Also, high demands have been placed on 
the accuracy of the crack growth predictions Hence, 

extensive validation of the crack growth prediction 
technique has been required. 

Structural testing, including artificial flaws, has been 
carried out with the aim of obtaining crack growth data for 
correlation to the prediction technique. The stress analyses 
were mainly verified on basis of traditional static and 
fatigue testing results available from the design phase of 
the aircraft 

The approach taken for this study has been to follow the 
military specification MIL-A-83444 as discussed above 
All of the components considered represent primary 
structures with few or no alternative load paths and have, 
therefore, been classified as slow crack growth structures 
Initial flaw size assumptions follow the requirements of the 
specification in Ref. (9) A conservative residual strength 
requirement of 1.2 times limit load has been applied in 
terms of the linear elastic plane strain fracture toughness, 
K     irrespective of actual thicknesses, except for cover 

sheets where K values for actual thicknesses »ere used 
c 

4.   LOADS 

4.1  The Saab JAS39 Gripen  aircraft 
A conceptual model is used which covers design and sizing, 
structural test verification and service monitoring and 
involves engineering activities such as mission analysis, 
external loads analysis, structural analysis and stress 
analysis Fig 1 shows the various parts as a block scheme, 
while an overview of various computer programmes is 
illustrated in Fig. 2. Figure 3 shows details of the block 
scheme shown in Fig  1. 

Design parameters in the mission analysis originate from 
estimated threats and expected usage and arc expressed as a 
sequence of fights and ground conditions The conditions 
are defined by flight mechanics parameters such as load 
factor, roll rate, speed, control surface deflections, thrust, 
fuel burn, weapons etc 

Fach set of flight parameters defines a certain flight 
condition Determining the external loads for those 
conditions (manoeuvres) at different aircraft configurations 
requires analysis of e.g. structural dynamic response, 
aerodynamic pressure distributions at different speeds, 
angles of attack etc. Ground loads analysis include such 
events as landing impact, taxiing, braking, turning etc. 

1'he load analysis makes use of techniques like the finite 
element method to predict dynamic transient response, e g 
landing, computational fluid dynamics for prediction of 
aerodynamic pressure fields and six degree of freedom flight 
mechanics model with control system logics to predict in- 
flight manoeuvres. Numerical predictions are supported by 
wind tunnel tests of models 

4.1.1 The global spectrum approach 
For fatigue and damage tolerance sizing and test 
verification, a methodology referred to as the global 
spectrum approach, in which the design loading of the 
complete aircraft is defined, has been developed In this 
approach the description of each unique manoeuvre is 
defined as a sequence of instantaneous and balanced load 
cases Sequential manoeuvres build up unique missions and 
sequences of missions build up the expected usage The load 
cases consist of linear combinations of unit load cases 
(including aerodynamic loading, inertia loads, ground loads 

*J 

• • 



12-4 

etc.) for the finite element model of the complete airframe 
in a hierarchic way All information about load case 
structure and their occurrences in the sequences are stored in 
a global sequence database. Through this methodology 
results local load sequences, in terms of loads, stresses, 
displacements etc , which can be directly used for crack 
growth calculations or counted, by means of the rain-flow 
algorithm, in order to be iw    for classical fatigue analysis 
or planning of structure        programmes 

This database is updated continuously as a project develops 
and as flight lest data becomes available, The current 
global sequence for the JAS39A Gnpen aircraft consists of 
35 different types of unique missions built up by more than 
13 000 unique load cases. These unique missions are 
combined into 60 deterministic sub sequences (defined on 
basis of pilot training programs and consisting of 12 
different taxi load sequences. 35 different flight load 
sequences and 13 different landing load sequences) which 
are then combined to a sequence covering 313 complete 
missions (taxi out. flying, landing, taxi in) containing a 
total of more than 500 000 load cases A unique repetition 
sequence representing an actual service load history of 
these 313 flights is equivalent io 200 fin and, thus, 
consists of more than 500 000 states 

The internal loads distribution are obtained by solving a 
Unite element model of the complete aircraft using the 
external loads representative for the unit load cases in the 
global sequence description The finite clement models of 
the single- and twin-seated version of the JAS39 Gripen 
aircraft are shown in Fig 4 for which 460 unit load cases 
are solved and stored in a structural analysis database 

Having access to the global sequence database and the 
structural analysis database, the engineer is able to obtain 
local load or stress sequences and rain-flow counted spectra 
lor any member element of tne finite element model of the 
complete aircraft   This is done by an interactive software 
system which is connected to the two databases   The global 
spectrum program delivers load sequences for all the 
loading actuators of the various structural tests It also 
delivers the basis for companson with the results from the 
loads monitoring registrations on each individual aircraft 

4.1.2 Load calibration 
One test aircraft (Test AC 39 2) n dedicated to the loads 
survey programme, figure 5. About 500 'train gauges have 
been installed. The aircraft has been subjected to about 150 
calibration load cases with the purpose to accurately be 
able to deduce interface loads between wing and fuselage. 
wing and control surfaces and fin and fuselage. Also shear, 
torque and bending at three wing sections and at four 
fuselage sections, as well as bending and torque in the 
canard pivot, landing gear loads and loads from external 
stores are measured. 

4.1.3 Ixyad interaction 
It is welt known that the sequential order of the loads in the 
spectrum is very important for the fatigue life. Models to 
account for this influence on the fatigue crack growth rates 
are normally based on plasticity considerations and they 
may predict rather different results, conservative or not, 
depending on the model chosen (24) In the flight sequence 
various parameters influence the crack growth with various 
amounts. The variations found to have the greatest impact 
are those involving modifications of the maximum peak 
loads. These variations include mission mix, high and low 
load truncation, exceedance curve variations, and test limit 
load variations  Variations shown to have significant 

i   , _.t include those which modify all but the highest peak 
loads throughout the spectrum, such as sequence of 
missions, compression loads, and peak and valley 
coupling. Spectra variations shown to produce the least 
effect are those which modify lesser loads in each mission 
These consists of reordenng of loads within a mission and 
flight length variations (25). 

4.1.4 Service toads monitoring 
For the Swedish fighter JAS39 Gnpen. every aircraft will 
be equipped with a service loads monitoring system, sec 
Fig. 6 The following six loads will be recorded: 

1 Vertical acceleration at CG. = Load factor, nz 

2 Canard pivot       Bending, Mx 

3 " - Torque. My 
4 Wing: Fwd attachment bending, Mx 

5 " Aft attachment force. Sz 

6 FIB: Aft attachment bending, Mx 

With the exception for the first one. the forces will be 
measured by means of calibrated strain gauge bridges Lach 
individual aircraft will be calibrated while flying in detail 
specified manoeuvres  Nominally identical strain gauge 
installations on the loads survey aircraft (Test A C 39 2), 
on the major static test structure, on the major fatigue test 
structure, on two canard pivot test articles and on two fin 
plus rear fuselage test articles will add confidence to the 
calibration procedure 

Recorded data will be analysed on board each aircraft using 
the range pair range count algorithm  After transferring to a 
ground based computer, comparisons will be made with the 
corresponding local spectn as delivered from the global 
spectrum software system. 

4.2   The   Saab   3?Viggen   aircraft 
4.2.1 Geometry and loading 
The principal geometry of the JA main wing attachment 
frame is shown in 1 ig. 7 The frame can be described 
simply as an assemblage of two curved I'- or i shaped 
beams, located a distance oi 160 0 mm apart and kept 
together by inner and outer cover sheets The beams are 
made of an aluminium die forging and the cover sheets are 
made of aluminium alloy sheet material Between the two 
beams a structural detail, called the middle part, is located 
as indicated in Fig 7 
Depending on the aircraft version, the middle part is made 
of an aluminium die forging or a high-strength steel 
forging. Also, a lower rear engine attachment is mounted 
between the two beams, see Fig. 7 

The main wing attachment frame is loaded by the main 
wing spar It is the only attachment frame that takes up the 
bending moment from the wings  Shear loads are 
distributed on several frames The loads from the main wing 
spar are introduced into two attachment holes in each Vain 
and two holes in the middle part The purpose of the n nidi 
part is to distribute a portion of (he load to two adjacent 
attachment holes in euch beam, called middle part hi.Us 
Furthermore, the main wing attachment frame is loade :; by 
the engine through the rear engine attachment, which 
transfe*"- vertical loads  Finally, loads are introduced in the 
frame from the fuselage through the cover sheets A 
principal sketch of the loads acting on a quarter of an 
isolated main wing attachment frame assemblage is shown 
in lig 8 The load. PI/, at the top of the frame is 
introduced in combination with extra loads on the engine 
attachment to compensate lor the missing load transfer 
from the rest of the fuselage when an isolated assemblage IN 
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studied Obviously, the magnitudes of the loads on the 
different versions of the main wing attachment frame are 
different. 

4.2.2 Design versus usage spectrum 
The load spectrum used both for analytical predictions and 
for testing of some coupon test specimens and an isolated 
main wing attachment frame assemblage is shown in Fig. 
9. As can be seen, the utilised design spectrum is more 
severe than the average usage spectrum of the aircraft. 

5. STRESS SPECTRA AND FRACTURE 
MECHANICS 

Models used for assessment of fatigue life and damage 
tolerance of fighter aircraft vary from rather simple to 
highly complex depending on factors such as; if the 
structural component is primary or secondary, local stress 
levels, inspectability etc. Typically, simple models arc 
used initially and more sophisticated analysis is resorted to 
in complex geometries and when safety margins are lower. 

5.1 Elimination   of   insignificant   stress   cycles 
Due to the basics of the global spectrum approach, 
described above, very many small load cycles are 
generated. It is therefore advisable to omit certain small 
cycias which from a fatigue viewpoint have no practical 
meaning The system contains interactive facilities to 
remove insignificant states  By defining omission 
conditions connected to the earlier defined sequences the 
reduction of the sequences is immediately displayed. For 
the component shown in Fig. 10, the original sequence 
consists of 7813920 slates for 3000 flight hours. By 
omitting cycles with ranges smaller than 20 kN 
(approximately 10% of the maximum range) the total 
sequence is reduced by 97 1% to 224250 states The 
omission technique adopted also works when more than 
one load sequence is considered through a lowest common 
denominator scheme 

Selected parts of the total sequence can be plotted in a 
variety of forms and on different devices. In Fig. 11 a plot 
of the beginning of the unreduced sequence is shown on 
screen format The sequence shown in Fig 12 has the 
above defined omission condition applied. The triangular 
marks shows where each mission ends. Spectra can be 
plotted in two forms, either the distribution of ranges or 
the distributions of peaks and troughs In Fig. 13. the 
distributions of ranges are shown for both the original 
spectrum and the reduced spectrum 

The software has features to facilitate identification of load 
cases. This can be done by retaining load case 
identification numbers all the way through the rain flow 
count operations, omission procedures etc This technique 
has proven to be most important when planning for 
structural testing. For JAS39 every unique load case of the 
global sequence has been assigned a 9 digits code number 
according to a systematic scheme 

5.2 The Saab JAS39 Gripen  aircraft 
The global finite element model predicts the internal loads 
distribution and the different types of entities that can be 
obtained depend on mesh and type of elements The most 
simple case is to extract a scalar sequence, e.g   a normal 
force sequence from a flange element. If more complex 
elements are used. e.g. beams, solids etc , more stress 
components are available Since each state in the global 
sequence represents a certain load case, i.e. a certain 

combination of the components, each change from one 
state to the next state also means a change of the stress 
intensity factor to another. This complicates the situation 
if the stress components are not correlated 

The main wing attachments of the Gnpen aircraft are shown 
in Fig. 14. Fig. 15 shows the finite element substructure of 
one of the three main wing attachment frames and resulting 
stresses for limit load are shown in Fig. 16 for critical 
areas. Parts such as the lower flange regions are here 
modelled by beam elements from which sequences of 
normal force and bending moments can be obtained The 
correlation between the bending moments and the normal 
force in this region is reasonably good. Figs. 17 and 18 
show the bending moments versus normal force. A stress 
intensity factor solution which is applicable for the 
complete sequence can thus be obtained from a linear 
combination of the three entities 

This is most often enough for damage tolerance analysis 
Local stress sequences are used together with stress 
intensity factors that are available for different 
crack/loading configurations. 

Sometimes when predicted crack growth lives initially do 
not meet the target lives, more sophisticated local 
modelling can be made and connected to the global model 
and the global sequence. For the lower flange region a local 
stress model using solid elements has been solved using 
the p-version of the finite element method. Figure 19 
shows a model of the region and the stress distribution 
resulting from a load case representing a pull-up 
manoeuvre. The stress distribution across a section cutting 
through a highly stressed region is shown in figure 20 

The stress intensity factor for a crack in this section is 
derived using three dimensional weight function technique 

Damage tolerance analyses are made for large number of 
assumed cracks in primary structure For the JAS39A 
aircraft more than 1000 crack sites have been analysed. The 
type of analysis ranges from simplified ones using basic 
stress intensity factor solutions to more or less advanced 
ones using p-version FEM either with the crack 
incorporated in the mesh or by applying 3D weight 
functions to stress distributions for the uncracked structure 
Bach analysis is summarised on a damage tolerance 
analysis sheet. An example of such a summary sheet is 
given in Fig. 21 

5.3   The   Saab   37Viggen   aircraft 
The finite clement analyses have been made m several 
steps where the initial step has been to make a global 
model of the complete component These global models 
were able to desenbe stiffnesses correctly and to indicate 
where stress concentrations were located In a few cases the 
global models were sufficiently detailed to give local 
stresses, but usually more detailed models were required A 
typical example of a global model for a quarter of the mam 
wing attachment Iran." assemblage (remaining after 
accounting for the symmetry) is shown in Fig. -2 The 
model, which is made using a substructunng technique, 
consists of approximately 75000 degrees of freedom 

Bjv'd 'n the global F-H-results, critical areas were 
'>>ui!ie<\ which were then subjected to more detailed I;l> 
analyses, including such elements as accounting for 
bushings and solving contact problems. The boundary 
conditions for the detailed models were obtained from the 
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global models in terms of displacements and rotations of 
nodes along the 
created cuts through the global models 

The region around the fuel pipe holes in the main wing 
attachment frame was analysed using the p-version of a 
newly developed self-adaptive FH-code (26). Also, some 
stress intensity factors were computed using this technique, 
which is believed to be the most accurate technique there is 
for such calculations. 

Regions around major attachment holes were analysed 
using conventional FE-technique but, as already 
mentioned, contact stresses between wing bolts and 
bushings, as well as between bushings and frame forgings. 
were computed using an automatic iterative solution 
technique In many cases the detailed analyses were 
repeated with considerations of more and more details, such 
as heads of bolts and stiffening effects of middle parts The 
reasons for repeating the detailed analyses were seemingly 
improper or too large deformations and unrealistically high 
local stresses. For example, by including the bolt head in 
the model of the middle part hole region, see Fig. 23, the 
largest principal stress was reduced by 25% due to reduced 
bolt tilting 

5.3.1 Fracture Mechanics and Fatigue Crack Propagation 
A difficulty in the damage tolerance analysis has been to 
obtain relevant stress intensity factors In many cases the 
stresses at critical locations have been high (locally) with 
large gradients in both surface and thickness directions 
Stress intensity factor solutions based upon a remotely 
applied uniform loading are generally not able to describe 
the local stress gradients. Besides, it is very difficult to 
define the remote uniform loading 

The most accurate stress intensity factors used were those 
computed using the adaptive FF;-teehnique, see Fig 24 
However, there were too many critical locations for 
applying this technique everywhere. Second best stress 
intensity factor solutions seemed to be those based upon 
tht weight 
function technique, in which case local stress distributions 
could be described accurately Such stress distributions were 
obtained directly from the FT-analyses and they are valid as 
long as no major changes due to load re-distributions occur 
However, weight functions for 3D geometries are scarce 
For 2D geometries it is easier to find accurate weight 
functions but through the thickness cracks were, in 
general, a far too severe assumption for the critical 
locations studied. 

The solution to the problem was to introduce correction 
functions based on the iD weight function solutions such 
that the 3D solutions for remote loading were modified to 
approximately account for the local stress distribution ir; 
one ol the two directions 

Fatigue crack growth predictions were performed using a 
cycle-by-cycle analysis technique without consideration of 
plasticity-induced load interaction effects However, a 
method for extracting contributing load cycles from an 
irregular load sequence was used which can be described 
as a very simplified rain flow counting algorithm. 

All available fracture mechanics and crack growth data for 
the aluminium alloys and the high strength steels involved 
have been critically reviewed and collected in a data base 
for easy access Complementary testing on coupon 

specimen level was performed to derive constant amplitude 
fatigue crack growth data in cases where data were lacking 
Figure 25 illustrates the collected data for one of the 
relevant 
aluminium alloys 

Additional recent work has showr the wing attachment 
frame to be fail safe. This was shown by considering the 
additional dynamic loading transferred to the remaining 
structure when one of the four aluminium parts fail 
completely. 

5.3.2 Verification oj Stresses and Crack Growth 
Prediction Technique 
The FE stress analyses were verified by comparisons to 
experimental results obtained during t>e traditional static 
and fatigue testings of the components considered The 
comparisons showed that stresses, in general, were 
computed very accurately even with the 
global models  Unfortunately, stresses really close to 
attachment holes could not be assessed due to lack of 
experimental data 

The technique of modifying 3D stress intensity factors, 
using 2D weight functions, was verified by comparing such 
stress intensity factor solutions to solutions obtained 
using the adaptive FE-technique for a number of typical 
geometries 

The computer programme used for the crack growth 
predictions. Ref ( 27) was verified as far as possible by 
comparisons lo other computer programmes and also to 
experimental results (on a coupon specimen level with 
well-known stress intensity factor solutions) from the 
literature as well as from test results (on a coupon specimen 
level) obtained in the current investigation   These 
comparisons involved both constant amplitude results and 
results from different types of spectrum loading 

6. STRUCTURAL TESTING 

Here, we will discuss the testing carried out to substantiate 
the analytical methodologies used. Such tests include 
simple coupon tests to study influence of load spectrum 
truncation etc., component tests to verify numerical 
predictions and to reveal any unexpected problems, and full 
scale fatigue and damage tolerance testing of an entire 
aircraft. The overall test programme for the new fighter 
aircraft goes on for more than 10 years 

6.1 The  Saab JAS39  Gripen  aircraft 
6.1.1 Artificial flaws 
In order to monitor the making of artificial flaw*: on the 
critical parts to be subjected to verification testing in the 
JAS39 programme, a manufacturing and quality control 
specification document was produced In that document the 
electro spark method using carbon electrodes is specified 
as the main method. The specification defines tolerances 
on the flaw geometry itself as well as its location The 
specification also defines machining data such as current 
and pulse -length for electro spark machining or amount ol 
feed between each stroke for the chipping method 
Examples of the flaw geometry specifications are shown in 
Fig 26 Consider the quarter circular flaw having a = 1 27 
mm as per Mil-A.-83444. In the Saab manufacturing 
specification this has been assigned a tolerance I 3 < a < 
1.5 mm and a lip radius s 0 05 mm The depth tolerance 
seldom has been a problem In cases when the depth has 
come out below the tolerance, a < 13, the detail has always 
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been sent back to the workshoo to nuke the flaw deeper. 
The tip radius was expected to come out between 0.02 and 
0 04 mm during electro spark machining Most of the 
time, however, the tip radius has come out between 004 
and 0 05 mm. i.e. very close to (he maximum tolerance, 
and in quite a number of cases it has been necessary to 
accept tip radii exceeding COS mm (but never exceeding 
0 065). Artificial flaws made by chipping have always 
come out well within the tolerance limits. 

An example from a large test programme on unnotched 
specimens is shown in Fig. 27 for an aluminium specimen 
subjected to a symmetric fin root spectrum Here, the crack 
growth rate first started up at a higher than normal rate and 
then slowed down to a more normal rate This can be 
interpreted as if the artificial flaw is characterised by a 
negative initiation period Special attention was paid to 
artificial flaws on shot-peened surfaces since delayed 
initiation could be expected. Observed initiation periods 
for those cases have varied from 800 to 1800 hours for 
specimens showing a total life of 5000 to 7000 hours. The 
crack propagation part of the total life has always been 
larger than the initiation period for all tes'ed stress levels. 
This is a most important conclusion since it supports the 
selected principle of verification of the slow crack growth - 
non inspectable parts even if no identification of crack 
growth could be detected at artificial flaws in large 
components at two service lives of fatigue testing. This 
has also been shown for a most unfavourable 
crack/geometry case with rapid crack growth rate. 

6.1.2 7"«/ programme 
The damage tolerance analysis creates the necessary 
conditions for structural integrity. This integrity also 
needs to be demonstrated in structural testing according to 
the sizing approach shown in Fig. 1. Besides from testing 
for obtaining data for predictions, three main levels of 
testing are detail testing, major component testing and 
final full scale verification testing These three levels are 
described below 

Detail testing is mainly performed early in the sizing 
work. It is used to verify detail design of vital structural 
members and to qualify the application of prediction 
methods to typical structural configurations The lower 
flange region of the main wing attachment frames were 
studied in that way Six different crack/geometry 
configurations were tested according to Fig. 10 

The slow crack growth damage tolerance requirement is 
applied to all flight safety critical components - even 
small sue units such as tension bolls, hinge bulk, fui the 
control surface attachments, control actuators and other 
small details of the control system  Primary bolts are 
verified to tolerate semicircular surface flaws with 1.3 
(♦02-0) mm radius The verification testing of the 
tension bolts for the wing and fin attachments have proven 
very satisfactory damage tolerance 

Major component testing is done for early fatigue and 
damage tolerance verification. The key point in these tests 
is that a critical part is tested while properly installed in its 
nearest boundary structure. This test will spot fatigue 
critical areas and demonstrate the stable growth of those 
natural cracks that may initiate and of any artificially made 
cracks. As an example a test set-up for an attachment of 
wing to fuseiage is shown in Fig. 28 The lower flange 
region, described above, is here installed in its nearest 
boundary structure 

Damage tolerance testing of large components involve 
very mar., initial flaws, for the rear fuselage tested 
together with fin and rudder more than 100 flaws were 
introduced 

The final verification of the fatigue and damage tolerance 
performance is made with a complete airframe tested for 
several service lives. A photograph of the static test article 
is shown in Fig. 29 The test arrangement consisted of 85 
independently controlled load channels A second airframe 
for fatigue and damage tolerance testing is now installed in 
the same rig and testing will be started very soon and be 
subjected to at least four service lives of fatigue testing. 

The test program for structural verification of the JAS39 
aircraft is shown in Fig 30 (tests of systems not shown) 
Component tests for verification of both fatigue and 
damage tolerance are first subjected to two service lives of 
fatigue testing, then artificial flaws are introduced, 
whereafter the test is subjected to a further 2 service lives 
of fatigue testing. Finally, a residual strength test is earned 
out with the purpose to verify a load capacity in excess of 
120% LL The pure damage tolerance verification tests are 
performed with artificial flaws introduced from the very 
beginning and are subjected to two lifetimes of fatigue 
testing followed by the residual strength lest. 

Before deliveries of aircraft to the Swedish Air Force, a full 
scale static test will be performed (this is already 
completed) and a full scale fatigue test must have simulated 
one design life. A schematic overview of the entire fatigue 
and damage tolerance activities for the JAS39 Gripen 
aircraft, as described above, is shown in Fig 31 

6.2   The  Saab   37Viggen   aircraft 
6.2.1 Structural Testing 
As already mentioned, an activity is canned out with the 
purpose of achieving life extension of this aircraft  For 
that purpose a complete damage tolerance test programme, 
similar to the one mentioned above for the Gnpen fighter, 
is currently being performed  Here, the aim is only to show 
differences in the methodologies used, resulting from the 
higher stress levels involved for the Viggen aircraft This 
is described for the main wing attachment frame 
assemblage  Due to relatively large displacements (wing 
root bending moments of up to 520 kNm were applied) the 
effective test frequency became around 0 2 Hz (testing was 
conducted at a constant displacement rate)  The actual frame 
tested had already been subjected to four fatigue lives of 
spectrum loading during the traditional testing to support 
the original safe life design of 2K0O flight hours  No 
fatigue cracks were icported alter the. traditional testing In 
the present investigation another four fatigue lives were 
applied subsequent to introduction of defects in the frame 
A total of 22 artificial flaws (crack tip radius <() 02 mm) 
were introduced by sawing in critical locations of the 
frame. 

The locations chosen for saw cuts were selected based on 
the FF results, a strain survey using a brittle coating 
technique, crack growth predictions and inspection 
considerations Very good agreement was found between 
the brittle coating results and the global finite element 
analysis with respect to both critical locations and 
magnitudes of the strain field 

Crack growth was monitored both visually and by means ol 
various NDI-techniques, pnmarily eddy current  firstly, 
cracks started to grow from defects introduced at the two 
fuel pipe holes This growth was easily observed visually 
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and was therefore very useful in verifying the analytical 
crack growth predictions. A comparison of predicted and 
experimentally observed crack growth at the upper fuel 
pipe hole is shown in Fig 32. later on, after 
approximately 12500 simulated flight hours, this crack 
together with a crack at the tower fuel pipe hole resulted in 
final failure of the frame 

After some 4000 simulated flight hours, crack growth was 
observed a: one of the wing bolt holes This is .according 
to numerical prediction?, one of the most critical locations 
in the frame. However, the predictions for this location are 
assumed to be overly conservative as friction between the 
interference fitted bushing and the frame forging was 
disregarded. Furthermore, it is believed that the 
interference fitted bushing in the wing bolt hole restrains 
the crack mouth opening and thereby reduces the effective 
stress intensity factor range This would explain the 
unexpectedly slow crack growth observed at this location 

6.2.2 Inspection  Intervals 
Based primarily upon crack growth predictions but with due 
consideration to component testing results and also results 
concerning the prediction capability (accuracy for various 
structural details) of the computer programme used, safe 
periods of crack growth have been established. Inspection 
intervals have been determined, assuming that the critical 
locations arc depot or base level inspectable. The 
inspection intervals are then half of the safe crack growth 
periods. Fig. 33 shows inspection intervals for the JA 
ma;n wing attachment frame 

7. COMPOSITE MATERIALS 

An overview of work done in the U.S.A. and recommended 
certification procedures are summarised for composite 
structures in Ref (28) This reference states that draft I SAT 
damage tolerance design requirements for composites are 
conceptually equivalent to MII.-A-87221. Recognition to 
the unique property characteristics of composites leads to 
significantly different defecldamage assumptions for 
composites as compared to metals Of the assumed 
flaw'damage types, scratches, delamination and impact 
damage, the last one dominates design as it is the most 
severe. The recoTmended compliance to the draft 
requirements is summarised in Ref (28) to allow no 
significant damage growth in two design lives This is due 
to rapid unstable growth after growth initiation. This 
requirement eliminates in-service inspections  Finally, no 
full-scale test validation is required as subcomponent test 
arc considered to accurately represent damage tolerance 
behaviour of full-scale structures 

lor the new Swedish fighter JAS 39 Gripefl a certification 
procedure similar to the one mentioned above is being used 
for the composite structures (wing skins and spars, 
elcvons, leading edge flaps, canards, air inlets, fin and 
rudder and air brakes) All CRFT-laminate structures were 
verified by static testing before the first flight   The 
structures were tested dry, as received from manufacturing. 
Smaller components such as elevons and rudder were tested 
at high (+85°C) as well as low (-40°C) temperature besides 
at room temperature. The wing, the fin and the canard were 
tested at room temperature besides at room temperature 
The wing, the fin and the canard were tested at nx>m 
temperature only As all verification testing was done with 
dry laminates, the requi:ement was increased to 1 2 times 
150%= 180% limit load. Subsequently, all those structures 

have also passed four design lives of fatigue testing 
without any fatigue damage 

8.   DISCUSSION AND CONCLUSIONS 

Current development trends concerning loads activities is 
to incorporate data from more flight systems, influenced 
by flight conditions, eg  the gearbox etc, into the global 
sequence description Other improvements of the global 
spectrum approach will be to early verify the mission 
analysis by a closer connection to the flight simulator. By 
letting different pilots solve a certain flight task, the 
variability in manoeuvres can be evaluated early in the 
project. 

Current trends regarding structural analysis is to create 
more detailed models of vital structures and to incorporate 
those into the global finite element model as substructures 
Special facilities have been implemented into the loads 
sequence handling system for identification of the most 
significant load cases Much more detailed models are 
being assessed by a parametric approach early on in the 
analysis phase, to account for the fact that certain 
dimensions are determined very early and are difficult to 
modify later on 

Regarding crack growih modelling, retardation has yet not 
been used for certification purposes However, recent 
advances will be utilised for the C-version of the JAS39 
(inpen aircraft, to decide which old tests can still be used 
for the new design 

Other areas which will be studied in more detail within the 
next \'cw years include; crack growth in mechanical joints, 
multiaxial loading, constraint effects in three dimensional 
crack growth, and probabilistic aspects of damage 
tolerance and the entire structural design methodology 

Structural design of military airframes is driven by damage 
tolerance requirements  Durability, mostly assessed in 
terms of conventional fatigue, is achieved by proper 
inspection procedures, repairs and or replacements 
Structural integrity can only be achieved by detailed 
knowledge of flight profiles and resulting load spectra, 
stress distributions and material properties 

The methodology currently used in Sweden for fatigue 
management and verification of airframes has been 
described M<xlels used for assessment of fatigue life and 
damage tolerance of our lighter aircraft vary from rather 
simple to highly complex depeiiuing on various factors 
Typically, simple models are used initially and more 
sophisticated analysis is resorted to in complex 
geometries and when safety margins are lower 

Analyses must always be complemented by testing, from 
coupon specimen level up to full scale testing Fatigue 
management  and verification also involve service load 
monitoring regarding both dedicated test aircraft, used to 
verify basic load assumptions, and also individual load 
tracking programmes developed tor new lighters 

» 
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Figure 3 Model parameters and response variables in the design stage 

Figure 4        Structural models of the single and twin seated version of the 
JAS39 Gripen aircraft 
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o   Instrumented Lug or Link 

O Instrumented Fitting 

TZZZZ Instrumented Structural Section 

Figure 5 Calibrated regions of the loads survey test aircraft 
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Figure 6 Service loads monitoring on each aircraft 
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Figure 7        JA37 Viggen main wing 
attachment frame assemblage 

Figure 8        Schematic showing the loads 
applied 
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Figure 14       Main wing attachment frames of the JAS39 Gripen aircraft. 
The frames are machined die forgings of aluminium 7010 alloy. 
The wings are attached to the frames with steel bath-tub fittings 
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Figure 15       Finite element substructure of wing attachment frame 
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Figure 16       Stresses at lower flanges due to limit load 
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Fig. 17  Correlation between bending moment My 
and normal force Pz in lower (lange section 

Fig. 18  Correlation between bending moment \lx 

and normal force Pz in lower flange section 
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Figure 19       p-vcrskm FE model of lower Hange region 

Figure 2.0       Stress distribution across a highly stressed region 
of the tower Hange 
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JAS39 Damage Tolerance Review Sheet 

Category 
Slow crack growth - Non inspectable 

Inspection free Interval 
One service life 

Special Inspection reqlrements 

No 

Analysis code No 
2.2.1 C 
Drawing No 
1903152-001.1903154-131 

Material 
Al 3644-74 die forging 

Description 
Rear fuselage 
Wing attachment frame X85 10250 
Lower flange 

Limit load case 
Limit load stress 

LC 349 AP05 
111.1 MPa. ref. a/c 39.157.02.5 s2.9 

Spectrum 
Max spectrum peak stress 

Glob. seq. 39SEK55. ioc. spec. SA157009, ref. a/c 39.157.02.5 s2.t0 
108.4 MPa. ref. a/c 39.157.02.5 s2.9 

Fracture toughness data K<.= 1450 N7mm3/2 at t=4 mm, (KIc=9O0 N/mm3/2) 

Crack growth data SD 37-3644 page 3. (forging, TL-orient.) 

Crack growth model Non interacting 

Stress Intensity factor model 

T—i   /— RIO (Kt= 1.66)                    * -» 

rl  H: -n 
•*- i            (-»-              / 

20 

Initial crack 
shape and size 

Quarter-circular comer crack, a=2.54 m. . 

Critical crack at 150% LL 
shape and size 

Through-the-thickncss crack, a=17.5 mm 

Critical crack at 120% LL 
shape and size 

Through-the-lhickness crack a=,19.8 mm 

Crack growth period 
57039 flh 

Applicable testing Test No: 5.1.7.3 Wing to fuselage attachment 
Test No: 5.1.18 Lower Hanges in wing attachment frames 

m 

Figure'. JAS39 Gripcn damage tolerance review sheet 
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Fig. 22  FF model of the JA37 main wing 
attachment 
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Figure 26       Geometry specifications for artificial flaws 
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Figure 27       Apparent negative initiation period from an artificial flaw 
(no shot pecning) 
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Figure 29       JAS39 Gnpcn lull scale static test. Fatigue testing 
will be performed in the same ng 
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INTRODUCTION 

It is evident that weapon system 
management benefits greatly from the 
use of probabilistic risk assessment 
methods. The C-141 WS 405 inner-to- 
outer wing joint provides an actual 
case of how this technology was 
implemented by Lockheed and USAF 
engineers to determine conditions of 
inspection and repair for the C-141 
fleet. 

BACKGROUND 

The C-141 aircraft was delivered tc 
and deployed by the Air Force during 
the I960's. Constructed mostly of 
7075-T6 aluminum alloy, the C-141 was 
designed to provide 30,000 flight 
hours of service.. Currently, 
however, the force is averaging over 
34,000 flight hours. In the 1970's 
the C-141 was stretched and given 
refueling capability, and it was this 
model, the C-141B, that rapidly 
became the workhorse of MAC. Today 
it is reasonable to expect the C-141 
to provide reliable airlift well into 
the 21st century. Consequently, 
since the C-141 and other weapons 
systems are being called upon to last 

longer under more severe conditions, 
the current tools of structural 
analysis must go beyond the specifics 
of strength, durability, and fracture 
mechanics and into the realm of 
probabilities, i.e. risk assessment. 

WING STATION 405 JOINT 

The C-141 WS 405 wing joint connects 
the outer wing to the inner wing. 
This structure has met design goals 
of 30,000 flight hours, bur it is 
rapidly deteriorating as aircraft 
usage continues to accumulate. The 
structural assessment explained 
herein was performed using standard 
risk analysis programs adapted to 
address the wing joint problem. In 
the 1980's fatigue cracking 
manifested itself in the W3 405 
joint, and it was at this time that 
inspections, redesigns, and repairs 
were engineered. However, by 1989 
generalized cracking was prevalent 
throughout the fleet elevating the WS 
405 joint issue to one of safety. It 
was this concern for safety that 
prompted the risk assessment of the 
joint. 

. • < 

PreM nted at an Ad ARD Meeting on An Assessment of Fatigue Damage and Crack (irowth Prediction Techniques', 
September IWS. 
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RTSK ANALYSIS METHODOLOGY 

The following resources and 
information are required to perform a 
structural risk analysis. Field 
inspection results are necessary to 
determine the initial cracking data 
from which the analysis can proceed. 
n the case of the 405 joint this 
information was obtained mainly from 
irected bolt hole eddy current 
BHEC) and x-ray inspections, 
nspected structure included the 
ower rear beam cap attachment to the 
ie down fitting and the front and 
ear beams of the wing joint region, 
iso, the fastener holes in the joint 
rea were reworked and inspected by 
KEC. Multi-element and multi-site 
*r;age were both confirmed by these 
nspoctions. Furthermore, the data 
evealed that approximately 50- of 
he cracks found in the rear beam 
ower cap were in excess of the 
ritical crack length. Another 
equired resource for risk analysis 
s the crackgrowth data for the area 
f concern. These data are needed to 
educe the actual fleet crack data to 
orresponding lengths for average 
orce aircraft. Flaw distribution 
ata is also required to generate the 
trength data for the components 
sing analyzed. To determine the 
istribution of bolt loads and 
tresses of the various components, a 
on-linear finite element model 
nalysis of the WS 405 joint area was 
er formed. Finally, load exceedance 
ata is needed to calculate the 
robability that an aircraft will 
ustain or exceed a given load. 
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BLANK DECISION TREE 

Early in the analysis it was 
necessary to establish a failure tree 
such as the one in figure 1. 
Although it is important that the 
tree reasonably simulates possible 
failure paths, it is not possible to 
include every detail. For example, 
three elements will require six 
possible failure combinations and 
four elements twenty-four 
combinations. Considering that it 
takes one day to run the finite 
element model (FEM), one day to 
reduce data to plots of bolt loads 
and stresses, and at least two days 
to generate the crackgrowth curves, 
it is evident that the failure modes 
must be simplified to every extent 
possible. 

At this point the failure tree is 
only an estimate ot what the final 
result will be based or- the FEM data. 
Obviously, several iterations are 
required to finalize the tree. Field 
inspection results also play a large 
role in the failure tree 
construction. Figure 2 shows the 
critical componer-.s of the 405 joint 
represented by this failure tree. 
This outboard view of the region 

caps, splice fitting, 
joint. The decision 
1 represents only the 
A separate analysis 

beam us irig 

m 

shows the beam 
and chordwise 
tree of figure 
rear beam area 
was conducted on the fron 
the same methodology. 
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EXAMPLE RISK CALCULATIONS 

CRITERIA 

to d 
the 
the 
in i t 
Dro b 
ris k 
sei f5 
fa: 1 
ore b 
st r e 
The 
set 
wa s 
tai 1 
r is k 
si r 1 

objective of this procedure was 
etermine a method for evaluating 
safety of the C-141 fleet during 

force   management   program 
lated because of the cracking 
lern.   As previously discussed, 

analysis   was   the  method 
cted.   Moreover,  the risk of 
ure   was   defined   as   the 
ability of the load exceeding the 
ngth at a given point in time, 
following failure criteria, as 
forth during a C-5 SAB review, 
adopted, "If a structural member 
s, for whatever reason, then the 

of catastrophic failure on a 
le flight of no more than one in 
thousand is acceptable." 

Figure 3 presents an example of how 
risk calculations are performed on a 
single element. Assume, as the ch 
depicts, that there are a cert 
number of parts which contain crac 
For each crack size there is 
strength which this member 
sustain but will fail if exceed 
The chart designates these elem 
as SI through S5. For each p 
there is an associated strength 
porr-ontage of the total number 
part" at tins strength lev-ei. 
example, '*''■ of ail the parts hav 
strength level of 50 K."l as indica 
by the designation S4. Also si 
die the probabilities that a load 
a given magnitude will be applied 
a:, element. If these loads, 
through L4, are appl led randomly 
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all memDer3 the risk can be 
determined. From the chart it is 
clear that ail the loads are greater 
than the strengths of the 5* of the 
parts designated SI. Therefore, the 
probability of failure of tnese parts 
is the probability that the load will 
occur time3 the number of elements or 
(1.00>x(0.05). Similarly, the 10* of 
the parts with strength S2 may incur 
loads L2, L3, or L4 which will result 
in failure of these parts, and hence 
their probability of failure is 
(L2+L3+L4)x(S2) or 0.04. This 
process is carried out for every 
element, and the final failure 
probability is the sum of these 
values. 

CRACK DATA and PROBABILITY OF 
DETECTION  

A distribution of cracks determined 
by a TCTO inspection of the 405 joint 
is shown in figure 4. This 
inspection was performed along the 
aft tab of the rear beam cap 
concentrating on the area near the 
ground tie down fitting Early in 
the analysis and prior to 
inspections, using a linear finite 
element model, this region had been 
cited as a possible failure area. 
This turned out to be a reasonable 
predictor of the actual facts. In 
figure 4 the critical crack length 
shown is for limit design load, and 
the cracks indicated above the line 
are therefore incapable of sustaining 
limit load stress. Consequently, 
these long cracks shed load to 
adjacent areas. 

A further important component of risk 
assessment is the probability of 
detection of crack data. Prior to 
any analysis a probability of 
detection curve must be applied to 
the fleet crack data to account for 
the cracks not found during 
inspection. This'analysis used the 
estimated probability of detection 
based on the "Have Cracks Will 
Travel" program. The risk anc.ysis 
'f the 405 joint was heavily 
jependent on this probability of 
detection data since development of a 
new curve would have been a cost 
intensive procedure. 

WEIBULL, DISCRETE CRACKS, and 
STRENGTH DISTRIBUTIONS _ 

Initial cracking data for the 
chordwise joint and splice fitting 
was simulated using a Weibull 
distribution. This statistical 
analysis method was chosen for its 
ability to predict future crack 
initiation from a small sample of 
actual data. However, log-normal 
data regression would also be 
acceptable and was used to predict 
beam cap crack initiation. Weibull 
plots display cumulative crack 
distributions adjusted to average 
flight hour values. From this 
distribution cracks can be generated 
and grown out to flight hours of 
interest. 

Figure 5 shows a discrete crack 
frequency distribution generated from 
a Weibull distribution of the 
inspection data. Both the chordwise 
joint and splice fitting were 
simulated using a Weibull 
distribution, while the beam cap 
distribution was generated from a 
previously existing log-normal fit. 
The cap data was simply updated and 
used in this assessment. It turned 
out that after normalizing the crack 
data to average flight hour levels 
the fit to actual fleet data was 
excellent. Furthermore, data 
obtained subsequent to this analysis 
during current repair actions 
continues to match the predicted 
distribution. The data shown in 
figure 5 is for a single element at a 
single point in time. Distributions 
such as this one need to be generated 
for each element at each time for 
which the risk is to be calculated. 

Each element in the analysis requires 
a strength distribution curve so that 
for a given crack length an resulting 
strength can be determined. A 
theoretical strength curve is shown 
in figure 6 using the approach of 
Fedderson. This method allows 
strength predictions for both the 
linear elastic range between 
approximately 80- of the yield 
strength out to 1/3 of the width and 
also for the areas outside of the 
linear elastic fracture mechanics 
range. Knowing the frequency 
distributions of crack lengths and 
the resulting strengths remaining in 
each element, a probabilistic 
strength distribution car. be built. 

•   • 

•   •   < 
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NON-LINEAR FINITE ELEMENT MODEL 

The non-linear finite element model 
was an essential component of the WS 
405 wing joint risk analysis. A 
linear model would have been 
sufficient for bolt load calculations 
and normal slow crackgrowth stresses, 
but for severed parts a non-linear 
model was required. The 405 joint 
model consisted of 10,000 elements 
with each non-linear run taking 
approximately one day. The model was 
originally constructed to provide 
information on standard crackgrowth 
stresses, and it was later modified 
to generate non-linear data. 
However, by creating load versus 
stiffness curves for each bolt load 
and iterating run by run until 
sufficient accuracy was achieved, 
non-linear calculations were only 
required on about 250 bolts. 

DECISION CHARTS 

The next two figures, 9 and 10, show 
typical results of the risk analysis 
discussed in this report. The 
numbers shown are not actual 
calculated values but merely serve as 
an illustration of the process. 
Figure 9 shows the probability of 
failure for an average aircraft at 
33,400 flight hours. The second 
chart shows the resulting reduction 
in risk due to an x-ray inspection of 
the joint area. It is important to 
remember that the validity of the 
analysis depends on the accuracy of 
the probability of detection data. A 
primary value of these decision 
charts is that they clearly show 
which areas must be protected to 
ensure safety. 

s 

SUMMARY 

CRACKGROWTH DATA 

Figure 1 shows three crackgrowth 
curves typical of the chordwise panel 
splices. From the failure tree there 
are three ways that the chordwise 
joint can fail, and these failure 
modes correspond to the three 
crackgrowth curves. As shown, it can 
fail with all structure intact, it 
can fail due to extra load carried 
because of a failed beam cap, and it 
can fail due to prior failure of both 
the beam cap and the major splice 
fitting. The crackgrowth data is also 
used to reduce the field inspection 
data to desired flight hour values. 
This is a necessary step since each 
aircraft is at a different flight 
hour value when an inspection is 
performed. 

The risk assessment of the C-141 WS 
405 wing joint has provided valuable 
input for decisions regarding a real 
aircraft problem. Cooperation 
between Lockheed and the Air Force 
combined with a reliable database has 
yielded a force management approach 
that is capable of safely executing 
corrective actions to the 405 joint 
problem. 

•    • 

LOADS CURVE 

Figure 8 shews a typical load 
exceedance curve from which 
probabilities are taken. The 
probability of incurring a specified 
stress level is calculated as 1-e ': 

with N being the number of 
occurrences. The stress level is 
plotted along the x axis with the 
probability of exceedance plotted 
along the y axis. Again, for every 
element in the failure tree a load 
exceedance curve must oe generated. 

•    • 
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WS 405 RISK ASSESSMENT 
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Risk Assessment Basics 
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WS 405 Risk Assessment 
Typical Crack Frequency Distribution 

Generated from Weibull Analysis 
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Residual Strength Diagram for a Single Element 
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WS 405 Risk Assessment 
* 
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WS 405 RISK ASSESSMENT 
FAILURE DECISION TREE 
BEFORE INSPECTION 
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ABSTRACT 

Maintaining the structural integrity of aircraft depends 
on the initial definition of an inspection program 
(updated during the entire aircraft operational period) to 
detect structural damage that may occur in service. 

Prediction of possible fatigue damage due to applied 
loads and conditions of use encountered in set vice is 
based on an analysis of the probability of incipient cracks 
and on an evaluation of the development of undetectable 
faults assumed to exist between two inspections. 

The validity of evaluation models is generally demonstra- 
ted based on comparisons with results obtained ore 
elementary test pieces subjected to predicted (or 
recorded) local load conditions in service and used to 
identify the influence of events such as rare overloads, or 
frequent repetitive small loads, etc... 

This paper presents the principles for processing in flight 
signals collected in order to predict structural damage by 
making in flight integrated calculations, considering 
influences such as: 

-   load signals precision (frequency of points 
taken...), 

• elimination of low amplitude variations,.... 
• cycle counting methods for the damage 

calculation ("Rainflow", sequence lengths 
processed,...), 

related to performances of damage prediction models, 
constraints on industrial construction costs and 
minimizing tasks of in flight data recordings. 

1 - INTRODUCTION 

The structural behavior of aircraft in service concerning 
fatigue and tolerance to damage is one of the main 
aspects of the cost effectiveness of their commercial and 
operational use. The cost of maintenance programs, 
defined to respect safety and structural dimensioning 
standards, is directly related to the precision with which 
loads encountered in service are known, and the accuracy 
with which their effects on structural integrity can be 
evaluated. 

Defining efficient structural monitoring requires that 
preventive or remedial service work is minimized, while 
maintaining maximum operational availability and life. 
The essential coherence of inspections to be carried out, 
suited to the individual nature of each type of usage for 
aircraft in service, makes use of principles used during 
the structural design in regard with the planned usage 
objectives. 

This paper presents the basis for an application of the 
conceptual structural analysis principles to the in-service 
evaluation of fatigue damage initiation (probability of 
incipient fatigue defect) and damage tolerance capability 
(propagation of undetected faults assumed to be existent 
at any time). 

For this purpose, the impact of load parameters, as used 
during the structural design, is estimated with respect to 
dispersions that are inescapable in fatigue, inherent to 
the microstructure of the material and the uncertainties 
in fatigue behavior prediction models. 

These results, quantified in usage times, help to define 
constraints for the acquisition of significant parameters 
in terms of the necessary (and only necessary) precision, 
volume and reasonably justified cost of data processing 
considering industrial production constraints, and finally 
minimization of tasks by systematically preparing results. 

• • 

Presented at an AGARD Meeting on An Assessment of Fatigue Damage and Crack (jroivth Prediction Techniques', 
September 1993. 

• • 



® 
14-2 * 

2 - APPLICATION OF THE STRUCTURAL    Real conditions of use on aircraft consists in a basic data 
ANALYSIS CONCEPT set to: 

'. \ • Structural design to fatigue and damage 

atom 
Different concepts are involved for the in fatigue 
stnictural design. Main of them aiehereunder 
summarised: 

AIRCRAFT FATIGUE AND DAMAGE TOLERANCE 

detect if allowable structural loads are exceeded in 
service, 
update inspection programs in order to maximize 
the economically viable structural life, 
define usage statistics for confirmation/revision of 
calculation bases, when taking them into 
consideration in the structural response model. 

SQUJCfTATIOMS 

FATIGUE LOADING 
Local Suets History 

FINITE CLEMENT 
ANALYSIS 

Critic«! location« 
Structural response 

BUILT-IN 
MATERIAL DATA SASE 

Repräsentative tests 

AIRCRAFT 
DIMENSIONING 

CRACK INITIATION 
ANALYSIS 
Stress life 

FRACTURE ANALYSIS 
Stress Intensity Factor 

Residual Strength 

CRACK PROPAGATION 
ANALYSIS 

Initial «elects. 
Retardation effect« 

2.2 - Objectives of monitoring In service 

Maintaining the in service aircraft structural integrity 
relies to the definition of a program of inspections in 
order to detect structural degradations that are likely to 
occur in service. 

The definition of this program, is directly linked to the 
results of the previous (sheduled) inspections and so the 
knowledge of the in service encountered loads. 

2.3 - Studv presented 

The proposed study starts from the involved "Fatigue and 
Damage Tolerance" design basis as hereunder proposed: 

STRUCTURAL FATIGUE EVALUATION PROCESS 

EXPECTED 
USAGE LOADS 

(DESIGN) 

X 
IN-SERVICE 

MESURED LOADS 
(MONITORING) 

LOCAL STRESS HISTORY 

CRACK INITIATION 
(Probabilistic) 

CRACK PROPAGATION 
(Deterministic) 

Relative Miner's nil« 

(3 < Lifetimes) 

Paris : Law + Toughness 

(2 i Lifetimes) 

First inspection Periodicities 

It will be pointed out the significance of the precision of 
in service loads stress acquisition (or reconstitution), or 
assumed types of structural degradations (cracks 
profiles). 

•        • 

AIRCRAFT IN SERVICE MONITORING 

IN FLIGHT USAGE LOADS IDENTIFICATION 

•STATIC- 

RESISTANCE 

Comparison 
to 

allowable loada 

•FATIGUE* 
COMPUTATION 

I 
Structural 

inspection« 
periodicities 

\ 
USAGE 

"STATISTICS" 

Basis lor 
calculations, 

simulation tesL - 

The results obtained help to define conditions for an 
identification of in-flight parameters consistent with their 
influences on the in fatigue structural behavior [1] and 
uncertainties in the prediction models [6]. Th« presented 
Principles have been implemented for the definition of 
aircraft MIRAGE 2000 monitoring system. Findings of 
MIRAGE 2000's experience will be presented as a 
conclusion. 
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3 - IN FLIGHT SIGNAL PROCESSING 

14-3 

3.2 - Generating itructunü responses 

*' 

3.1 - Sign»! processing steps 

The following diagram describes the functions carried 
out (entirely or partly) in flight, in order to calculate local 
damage due to in service loa-is such as loads gusts 
(transport aircraft) or such as loads in resources and 
manoeuvers (military aircraft). 

SIGNAL PROCESSING 

In flight signals 
DATA ACQUISITION 
• Analogue signals 
- Digital signals  

DATA COMPRESSION 

• Sort logic 
• Thresholds, filters 

CONVERSION 
of MANOEUVERS 
- Local stress history 
-Local forces 

I 
STORAGE 
•of data 
• of results 

~ 
COUNTING METHOD 
-Rainflow 
• Summation matrices 

' 
FATIGUE ANALYSIS              LIFE 
(Miner's relative law)              (first inspection) 

PROPAGATION ANALYSIS   PERIODICITY 
(Paris's law) (subsequent inspection) 

| STATISTICS" 
1 

3.2.1-Principle 

"Pilot" damage monitoring areas are selected beforehand. 
Knowledge of structural local stress in flight due to real 
aircraft operating conditions may be found by: 
-direct measurement of the local stress or significant 

structural force (strain gauge,...) 
• «constitution of variations of the local stress and/or 

representative forces. 
When local structural information is not collected 
directly, the disability may be considered on modem 
types of aircraft without specific devices for data 
collecting: for example, on board existing parameters for 
Electrical Flight Control Systems can be used to calculate 
structural forces in pitch, roll and yaw manoeuvers. 

3.2.2 • Conversion of signals Into local sti'csses 

For a military aircraft such as the MIRAGE 2000, the 
used dimensioning modu is based on values of about 16 
main "aerodynamic* parameters associated with mass 
configuration parameters as in ü.i left bottom (*) 
summarized. A preliminary parametric study [2] allowed 
to reduce the number of basic parameters to 7 
(6 analogue + 1 digital) without significant descrepancy 
as shown hereunder: 

STATION LOAD ANALYSIS 

The specific nature of each step in terms of precision, the 
number of representative selected parameters, the 
"fineness* of tables of stored values, can affect volumes 
of informations to be processed, or even tht feasibility of 
processing for operation without long and expensive 
systematic actions to be carried out by users. 

Some of the most significant aspects are presented in this 
paper. 

(*) Flight analysis parameters: 
• flight conditions (Mach, Zp,...) 
- control deflections 
- weight configurations 

Fleet management        |     I "■*"* ■»"»»■» 

Load« correlation (1 flow hour) 

o actual: in-*tlohS «train gag« maaiurmont 
0 »rac'kted : with Mlacfad paramalart 

S 

*J 

o      • 

•      • 
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Starting from such an "approached* reconttituüoo of in 
service encountered loads, the resulting "STATIC and 
"FATIGUE" magnitudes of accuracy are: 

COMPUTATION ACCURACY 

STATIC Nomalised value 
Basic complete model 1 

6 parameters 09<Fmax< 11 

FATIGUE Normalized value 0 
Bask complete model 1 

6 parameters 0.95 < 0 < 1.05 

This approach does not generally require the installation 
of specific gauges on the aircraft, and should be 
recommended especially when a computer model was 
built for aircraft structural responses at the time of the 
design. 

3.3 - Signal acquisition (analogue parameter) 

A fatigue load is qualified by a succession of its 
component minima and maxima. Acquisition of these 
extremes as accurately as possible may be therefore a 
controlling condition at the source for the quality of the 
resulting fatigue evaluation. 

The following chart is a simulation of the influences of 
inputting, at different sampling frequencies, a real signal 
from a combat aircraft flight. It concerns variations of 
the g-load factor (slow variations - 0.5 Hz) or a control 
surface angle ("fast" variations - 10 Hz). 

FILTER SAMPLING FREQUENCY 

Elevon deflection 

Computed results according frequencies are hereunder 
summed up (MIRAGE 2000*s example): 

Sampling 
frequency 

G-Load history 
SO Hz 10 Hz IHz 

Static maximum 
(normalised value) 

1 

0.99 

1.00 

0 9» 

0.98 Damage value 
(Miner's law)) 

Sampling 
frequency 

Elevon deflexion 
50 Hz 10 Hz IHz 

Static maximum 
(normalised value) 

1 

1 

0.96 

0 98 

0.72 

0.80 damage value 
(Miner's law) 

This type of preliminary analysis concerning sampling 
frequencies can produce a significant "saving" of in real 
time flight parameters processing. I; concerns one of the 
most critical items for the monitoring device feasibility,.. 
and its cost/efficiency ratio. 

3.4 - Compression of data volumes acquired in flitht 

A tint son carried out in real time eliminates 
intermediate values from the signal to be processed, and 
keeps only extreme values  Also low amplitude 
alternations (minimum, maximum) are generally only 
kept above a given variation amplitude "threshold" 
(omission of small cycles) 

DATA REDUCTION THRESHOLDS 

raOMM. I 1MUOKT 

Pi) 

• 

Unw 

• 



; the sort "threshold can reduce the vdume of 
stored data, withouta signifr-ant influence on Mine»*» 
prediction (tat example below on a typical combat 
aircraft flight). 

Threshold for 'G-Load* data 
Nonnahxad results 05g    Ig       1.5 g    2g 

Volume of data floragc 1         072     057    052 

1          097     096     09) 

Remark : the resulting "omtsoon of small cycle** 
parameter a howem controlling |1|. pamcutarly lathe 
caae for gust toadi on transport aircraft, in terms of life to 
incipient crack* or propagation (tee comparative table 
below ertabtiihed for undenting load history) 

LIFE RATIO Small cycles omitting 

Teatt(«) Initiatioa Procegauoa 

Kita TWIST 

Short FALSTAFF 

x2 

il 

x2 

xl 

(•)Refi-Faj.7 

The estimate «rf this 'small cycles iriluencc* on the 
quality of fatigue predictions should be considered from 
the preliminary stage of stress design A result would be 
the choice of data threshold to be recommended in ordev 
to obtain a results precision homogeneous with other 
parameters 

Several counting techniques are currently available for 
peak-through detection in a variable amplitude time 
history Signal Among them. *Raiaflow* method provides 
a description of loads data compatible with the illustrated 
stress/strain behaviour of fatigue critical area. Moreover. 
after storage of identified cycles by the mean of matrix 
sriromauons, it is possmlc to reconstitue representative 
loads sequences from the recorded Rainftow nuances |4| 

la priacapat, TUaflow* procedure ts performed at the 
end of the signal recording, after the storage of each 
flight by flight dau (extremes should have to be stored ta 
their chronological order) 

i (earned out using a fighter 
_.w_ __ __> > makes * possible to consider a 
progressive Rainflow storage procedure »hen 
memorizing a limited number of tetscted preview 
extremes, walnut significant]) affecting the quality of 
theonocal computed damage 

Such a preliminary investigation allows a flight b> flight 
*Rainflow* procedure at the end of each flight or during 
the iHght at any time (manocuvtr dominated spectra) 

i.« • Crack aaHtattt« and anmaeatiw» nradjaftaa 

J.4.1 -1 

Miner's curaulativ« law applied universally for« 
appearance by the n/N ■ I formulation should be used 
with the nxalibration concept (Miner's relative law) on 
test results under multiple levels stress histories 

•        • 

3-3 • CTT** W''I »etbgfl 

The order of successive maxima and minima will have to 
be reorganised in order to carry out the processing for the 
fatigue and crack propagation for the local stress 
sequence The "Rainflow" methcJ |3| none of the most 
representative methods for the local stress/deformation 
behavior as illustrated below 

DAMAGING CYCLES FROM TIME SERIES DATA 

However, this method is generally incapable of taking 
account of the 'small cycles* influences on fatigue lives 
Miner's computed damage values are quite the same 
while the on tests initiation lives vane '..gr..f:c»nil\ (sec 
section)!) 

More over, it docs'nt reflect the beneficial effects of 
overloads, the harmful effects of truncating forces, as 
shown hereunder 

LIFE RATIO High loads truncation 

Tests (•) Initiation Propagation 

TWIST 

FALSTAFF 

x W 

x 1/1.5 

« in 

x 1/2 

(•) Ref 1 - Fig 5 and 6 

• • 
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TV following diagram considers cue* of fatigue defects 
a service actually observed (J|. on MIRAGE III combat 
aircraft  Kflu-cUipbcai fatigue cracksoabores in thick 
•ensiioncd base plates IdentiTicatioa of defect deptlts 
«swig eddy currenu devices reveal» a high profile 

i (L/a eccentricity) 

SCATTER OF CRACKS PROFILES 

ItnffK L 

0*pth « 

For example, in S-N curves, interpretation of a standard 
deviation of 0.10 (frequent on aluminium alloys) in a 
normal log distribution, will give a factor of 2 on the life 
at about 3 standard deviations (associated probability - 
0001) 

In terms of prediction/)« ratios, the results presented 
beta» (6) are prepared for loads representative of stresses 
at the invade« of transport type aircraft wings (TWIST* 
or *F27* load and 2)00 flight sequences) or military 
aircraft wings ('FALSTAFF* load and 200 flight 
sequences)   Several variations of each load type have 
been considered by a diSercnt distribution of severe 
flights, omission of small cycles, or truncation of the 
high levels encountered loads during the flight i 

RfUABarrv OF CRACK PREDICTION PATTERNS 

•»« 

• • <».%■«/'- 

Retaining vanauoas m the stress uttenstfy factor («caed K 
is the hefeander dugrarom) ,-reatt propagat■•» tunes 
that tan J>hen swatOend as dcpca&ag em ±i\ V* 
<(aKr*l ■»*(*•» of tOStc-i I *rmwradet 

SCATTER Of STRESS INTENSITY FACTORS 

r.   . 

: i     .    % 

•-» s. •»      T 

— r 

*7   0&m*4m!aummv^*&J&*l 

1"r< diipenaoa .. «vet,*, tutxtrm to an repeated etnuckt 
absenaboa htghh corxrrra the tattguc be'-.»--- :r d 
materials The dsttnbutio« of t ipcr me*ui reasits a 
often characterucd as a (jr.ttir. normal law »■•*. neaa 
taiue and standard do VMK». the orders of eug»ift*S: at 
»htth arc repmratatnc i the RUMS ligraficaaat 
!hat ccuid he oKuaed f- rn» ITT-UIKK» tnadeh 

RATIO.*.. Mean • j--ii.-J 

Piw)ii,'«wiiiii Hi »■»ije i"--     "      I'   :**C 

T:~ 01 0 15 

"FAi-STATf* 0 4 0:5 

l5Uf H • Tatte ."♦   AMT» BA mwa IATUI 

!sarjprR»u;a of i teoWt<oa fjkVr or" ' CE AC j«.-Mjeed 
kit atü y»a4»ar t *»;««*«.*«?% »tr»e fctcM »^«h s 
Inijow of I - C »7 - © * «u.i*H « t oi-^luj 
So-rtci i «macueed *rdeofciiir» ' ° ""• i* nc^ml Uw) 

TVs jneja» itm x irM*)&& of inf.-KtKX oarfxttn 
.j -. i' :•' nrii*.»;!i of inuJi »-    .-" -*<- .on ;J.-»J 

•rah Che "<U.-*i«i £rnjt*xa' prrvrf.ted ahme *«fl art 
he ccfsjijtreä as fcjftveMjs^e of» ugasfittM parucai 
pfieaemrra«. bm r-r.1» »«fun ifee disperucA trvdope of 
lä* «tractor»! <x>j\- :i -«TOCU.-HCB Twdei 
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3.»-Usage "statistics" 

The Rainflow method keeps numbers and levels of 
recorded maxima and mininu. Building up of count 
summations by "class* matrices then enables the use of 
structural behavior prediction models. 

These summation matrices built up by flight phase, flight 
or group of flights, are used to count load (actor 
occurences, force spectra or local stresses, etc. 

Random drawing methods help to generate flights and 
loading cycles in order to carry out representative tests of 
conditions encountered in service, to evaluate the 
structural behavior (maintenance anticipation), to 
prepare updated data (modify theoretical initially 
assumed calculation basis). 

4 - CONCLUSION 

4.1 • Application to aircraft monitoring system 

The generalization of monitoring structural damage to 
aircraft in service is a phenomenon that will soon 
increase in coming years with the development of 
efficient on-board computer systems. 

Moreover access to information already available in 
flight for other purposes, for example Electric Flight 
Controls Systems (EFCS) gives an unprecedented 
opportunity to learn about real forces on aircraft during 
use 

In regard with predicting structural behavior in "fatigue' 
and "tolerance to damage", this paper has emphasized 
the necessary cohesion (and precision/imprecision 
homogeneity) on the various signal acquisition and 
processing parameters The criteria for this processing, 
done in flight, are defined with respect to inescapable 
effects such as dispersions of responses of materials 
under fatigue loads, the influence of ignoring small force 
cycles and uncertainties in prediction models. 

Such a study have been achieved for the basic definition 
and industrial development of the Dassault Electronic's 
system "SPEES* as implemented on several French Air 
Force aircraft for in service damage or loads evaluation 

Choices (acquisition frequency, signal sort thresholds, 
result matrix dimensions, etc..) have been made 
considering their impact on calculated forces and lives, 
and with the objective of minimizing tasks for users. 
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4.2 - MfRAGE IQOO's cipcrlcnce results 

The MIRAGE 2000 performed her maiden flight in 1979 
and has been demonstrated to comply with required 
Technical Specifications with important static strength 
margin (1,7 limit load withstood without failure) and 
high durability (5 x life times simulated on a Full Scale 
Test Article without failure). 

However, as a result of in-service usage data processing, 
the aircraft was found to be much more severely handled 
(since pilots relic on the automatic protections provided 
by the EFCS) than expected from the initial design 
Technical Specifications (see figure below). 

MIRAGE 2000 : FATIGUE RESISTANCE SPECTRA 

WING ROOT BENDING MOMENT 
/. OF LIMIT LOflO 

          1<— HI» LOflOS IIUCBTI0N 

30 

20 

10 

<«-INCR£«SE0" SPEC. 

91 IP' ryOT-* JJ>' 
No OF EXCEED1NGS 
PER 1000 HOURS 

-20 

The in-fatigue spectra and usage processed data, 
combined with stringent static design conditions due to 
new capabilities increasing weight and load inventories 
(such as undenting 2,0001, fuel tanks or under-fusclage 
additional stores), were the basis of strengthening the 
structure for the current production aircraft. 

Consequently, the MIRAGE 2000 structure capability 
has been raised up to 9 g in a wide range of interception 
and combat aircraft, and including an outstanding fatigue 
resistance. 

In service recorded data have been processed, when 
considering the presented stress histories effects, for 
defining the subsequent loading conditions of a fatigue 
test of a production line random wing. Three life times 
have been completed in March 93 before appearing the 
first cracks in their early stage. Test is going ahead (a 
fourth lifetime and residual strength tests) for damage 
tolerance capability demonstration. 

* 

9 

*J 

•      • 

• 
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THE ROLE OF FATIGUE ANALYSIS FOR DESIGN OF MILITARY AIRCRAFT 

by 

R. Bochmann and D. Weisgerber 
Deutsche Aerospace AG, Military Aircraft Division 

Department LME 221 
PO Box 80 11 60, D-81663 Munich 

Germany 

1. SUMMARY 
A brief overview of the fatigue design method employed 
at DASA (Deutsche Aerospace AG) for combat aircraft 
is here presented. The efficiency of the fatigue analysis - 
as embedded in the overall design process - is discussed 
and compared with full scale testing. Furthermore, 
possible improvements in the method are suggested. 

2. INTRODUCTION 
For the fatigue design of military aircraft most of the 
european A/C industry has not adopted the damage 
tolerance procedure used by the US industry but stays 
with conventional safe life concept. Since the 
requirements arc specified by the customer, i.e. the 
Ministry of Defence or Air Force, a generally good 
confidence in the 'safe life' design may be presumed in 
Europe. However, a periodic critical review of the 
analysis methods should be performed, and finally a 
comparison of full scale lest results and service 
experience with the initial predictions may lead to a 
revision or refinement of the analysis methods. 

A brief description of the ratigue verification process 
presently used at DASA is given below, and in particular 
the problem areas are discussed and possible improve- 
ments proposed. 

3. BASIC DATA AND ANALYSIS METHOD 

3.1 Requirements Specified by the Customer 
The fatigue life requirements specified by the customer 
or operator normally comprise of: 

- required service life 
- peace time missions including breakdown and 
configurations 

- manoeuvre spectrum (provided as g-exceedances) 
- safety factor (scatter factor) for lest and 
analysis 

3.2 Analysis Methods Used for Metallic Structure 
In spite of many reservations expressed in numerous 
publications Miner's cumulative damage rule is still used 
at DASA, and is obviously still the most widely used 
analysis method - certainly due to the simple and 
universal applicability. A study performed at DASA 

already in 1978 (Ref.l) revealed an acceptable accuracy 
for typical fighter aircraft spectra (Fig.l). 

max. Stress |r*mmA2] 

350 

250 

190 

100 

50 

/ 
original Liner 

unsafe 

| Spectrum: n, - Spectrum 

/           j    M«I*W: 707017351     j 

elementar Miner 

safe 

 , ^-^ .. 
0,1 1 Test Life 

Calculated Life 

Fig 1 Example for Miner's Rule compared to Test Results 

A computer programme has been developed that uses 
the Wcibull equation of the form shown below to 
approximate the S-N data. 

S = Cl + (C2 - Cl) / cxp((lgN /C3)C4) 
or 

lg(N) = C3 * (ln((C2 - Cl) / (S - Cl))) "C4 

where: 
S = nominal stress 
N = number of cycles to failure 

Cl, C2, C3, C4 = constants derived by regression 
analysis of lest results 

An example is presented in Fig.2 

Programme inputs are the maximum and minimum loads 
of each discrete load step together with the occurrences 
in the spectrum. The stress level is determined by input 
of a scaling factor. In addition, an iteration routine 
allows a quick assessment of the stress level for any 
predetermined damage sum. 
'{ appropriate full scale or component test results of 
previous projects are available a relative Miner's rule has 
been frequently adoplcd for similar structural details. 
Thereby, a damage calculation is performed with the test 
spectrum up to failure. From the database a S-N data-set 
is selected that best fits the structural detail of the test 
specimen as well as that of the iiructure to be analysed. 

* 

& 

*) 

Presented at an AGARD Meeting on An Assessment of Fatigue Damage and Crack Growth Prediction Techniques' 
September WW. 
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The resultant damage sum for the test failure is then also 
applied to predict the allowable stress for the structure to 
be analysed. 

Fig 2    Example tor S N Curve 

3.3 S-N Data for Metallic Stru ture 
A sufficient database oi S-N t, J is essential to analyse 
all type of structure. The S-N data are derived from 
coupon tests and cover: 

- standard aircraft material 
- geometric notches 
- rivaled and bolted joints 
- lugs 
- other effects (e.g. welding, surface treatment, 

chemical milling etc.) 

Furthermore, test results of full scale tests and compo- 
nent tests arc available. 

unlikely to be encountered for the typical aircraft 
materials. However, for areas close to other sources of 
heating, e.g. engines, a reduction of the fatigue 
characteristics must be taken into account. 
Consideration is also to be given to the occurrence of 
thermal stress cycling as a result of temperature 
variations on different materials jointed together. 

3.5 Fatigue Analysis Policy for CFRP 
For CFRP structure,  whether the  components are 
undamaged or predamaged (delamianations), fatigue 
analyses have not been performed up to present. 
The reasons are: 

- The design allowables (strains) arc significantly 
below the allowables determined by fatigue. 

- Reliable analysis methods e<e not yet available. 
- Extensive fatigue testing of CFPR components under 

representative loading have neither shown any 
development of damages nor the growth of 
artificially introduced dclaminations. 

In spite of the superior fatigue properties of CFRP for 
future projects consideration should be given to the 
following: 

- Repeated buckling of CFRP structure may cause 
fatigue damage. Therefore, buckling should be 
avoided up to the maximum service spectrum load. 

- In the case of conventional joints failures have been 
observed at fasteners. 

- At repair patches, damage growth may occur - 
particularly under hot/wet condition - if the bonding 
is insufficient. 

- Generally in CFRP structure, damage will develop 
under fatigue loading (Fig.3). Consequently, 
with changes of the design allowables or the life 
requirements the necessity of a fatigue analysis 
should be considered. 

■*J 

• • 

In this context the life improvement processes like shot- 
pecning and cold-expanding of holes should be 
mentioned. The policy adopted is to use these processes 
not for initial design but as a cost-effective potential to 
increase the fatigue life of structure that failed during 
fatigue testing. 

3.4 Consideration of Temperature and Corrosion 
The effect of in-service environment on fatigue is 
considered to be negligible for most of the structure. It is 
assumed that the applied surface protection will 
sufficiently prevent corrosion and, if required during the 
service life a rc-protcction will be carried out. 
The temperature spectrum due to aerodynamic healing is 
to he based on the peace time missions. A degradation of 
the fatigue properties in consequence of this spectrum is 

■' I M'II  mri'll''"  ' ' !"'"' 

.*.,.♦! j,.^.  -11.1......  . ..t*!»£^H(*» ...—.   tumfiMm «7(W47V5    "■-   * 

"liä'"" 1**1x1"" i"*iitJ»!tr*iTTn  S*MMTI T*»»on        1^,2 

—• ♦ tf**jt-j**~ * *f*rt*!t*'~' * • M|«»*»*+- • * »tiffi*w ^^"rÜ !!"  '* **"*TJ" 

IC-IKX.- Up!).™ !-,«X.T- , ,."™^-.-|.»4tI.U t|"'TTr>TT 

Fig 3   Fatigue Lite Curve for CFRP 913C/T300 (Ref.2) 
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4. PRELIMINARY FATIGUE ALLOWABLES 
Already early in the development phase fatigue 
allowable stress levels are being established for the 
various parts of the aircraft. The loading spectra used are 
either the g-spectrum for all aircraft structure predo- 
minantly loaded in linear correlation to the load factor 
nz, e.g. wing box and large areas of the centre fuselage, 
or component spectra of previous projects modified, if 
required, to take into account obvious differences 
regarding the usage. 

The allowable stresses are usually given in nominal 
stresses in the net section. They are presented in a 
graphical form stress vs. stress concentration factor Kt 
(Fig.4) or as allowable stress levels for typical riveted 
and bolted joints and also for lugs of various geometries 
and sizes. 

«50 

CD a. 
2 400 

•o a o 

«J300   - 
CO 
CO 

s 
«250 
© 
3 
in 

| 200 

CO 
3 
O) 150 

: Stress based on net sectional area • 

\          : Now: Limit and ultimate static 
\        :   requirements are also to be met  : 

\:                               '• Material: 
\                             : 7075 T7351 

: \   :                   ; Loading: 
\T                  ! g-Spectrum 

i ^w^ 
1    .    1    .    1    .    1    .    1    . 

1 1,5 2 2.5 3 3.5 4 

Kt (Stress Concentration Factor) 

Fig 4    Allowable Stress vs Kj 

For the major load carrying components, e.g. fitting of 
wing/fuselage attachment, the results of early develop- 
ment fatigue tests are use! for final design or, a read- 
across from previous tests on components of similar 
structure and material is possible. 
Generally, the early assessments of fatigue allowables 
have a tendency to be pessimistic. 
As soon as more accurate loading spectra are available, 
particular from computer simulations of typical 
manoeuvres, the allowables arc updated. 

5. USE OF FATIGUE ALLOWABLES 
Since commonly FEM calculations arc performed only 
lor  load  cases  that  arc  defined   by   static   design 

requirements these have to be used also for fatigue 
design. If the most severe load case for a particular 
component, covering the whole flight parameter 
envelope, would be chosen for fatigue design, an 
arbitrary conservative result would be achieved. 
To avoid extreme conservatism, those load cases are 
selected for use in conjunction with the fatigue 
allowables which lie within the envelope of the peace 
time missions. The main parameter to be considered are 
load factor nz, roll rate, mass, configuration, altitude and 
speed. Since the envelope for static design is much 
wider it is often difficult to identify suitable cases. In 
practise those cases close to the envelope of the mission 
requirements are included. However, 'exotic' cases that 
are unlikely to occur during the aircraft life of the 
majority of the fleet are deleted. 
A further problem is the occurrence of combined 
stresses. In this case the maximum principal stress is 
used in conjunction with the fatigue allowables. 
The fatigue allowable stress has to be compared with the 
calculated stress of the considered section and should 
give a ratio Sallow/S >= 1.0 which may be regarded as a 
measure for the fatigue quality. 

It is the stress engineers responsibility to apply the 
allowable stress correctly during stress analysis. Advice 
from the fatigue specialist is available whenever 
requested. For the major load carrying components the 
involvement of the fatigue specialist is mandatory. 

6. DETAILED FATIGUE ANALYSIS 
The major structural components and joints are usually 
subjected to a detailed fatigue analysis using final design 
information with regard to: 

- loading spectra 
derived from manoeuvre simulations and using 
rainflow counting method 

- stresses 
using detailed stress assessment or strain 
gauge measurements obtained from full scale 
static test or early strain gauge readings from 
the full scale fatigue lest 

Since the analysis is performed late in the design 
progress a shortfall in predicted fatigue life can have a 
considerable effect on the structural qualification 
process. 

7. QUALIFICATION TESTS 
At the end of the fatigue verification process a full scale 
airframe test will prove the accuracy of the fatigue 
design and form the basis for the in service fatigue life 
monitoring. The test loading has to be based on the 
customers requirement. The load simulation covers all 

® 
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load variations that are likely to effect the structural 
fatigue life, including manoeuvres, gusts, buffet, 
airbrake operations, landing impact and ground 
operations, cabin pressure and also tank and air intake 
pressure. In Fig. S an example is shown for the test 
loading of an unsymmetrical manoeuvre that is obtained 
from a computer simulation. The manoeuvre is 
represented by the time slices 1 to 4. 
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Fig 5    Test Simulation of an Unsymmetrical 
Manoeuvre 

Due to economic restrictions buffet and gusts arc usually 
tested in a simplified manner on a damage equivalent 
basis. Also the tank and air intake simulation is 
simplified with the purpose to achieve locally a 
reasonable superposition of loading caused by 
manoeuvre and pressurization. 
Besides the full scale airframc fatigue test a number of 
component qualification tests are required for these 
items which are not embodied in the airframc test 
specimen, or replaced by a dummy, or not 
representatively loaded. 
Failures during fatigue qualification testing usually 
induce a modifications of the relevant structure. The 
immediate embodiment of the modification in the lest 
specimen is the preferred solution. If an unreprcscnlalive 
repair is embodied in order to carry on testing the life of 
the modification has to be qualified sep-irately. 

9. CRITICAL REVIEW OF FATIGUE 
VERIFICATION PROCESS 

9.1 General 
The quality of the assessment of fatigue allowables is 
largely affected by the availability of sufficient accurate 
loading spectra for the individual parts of the aircraft. 
Consequently, the fatigue specialist always attempts to 
use the best available information during development 
progress. If the derivation of a particular spectrum is 
doubtful, then usually a somewhat pessimistic approach 
is applied. On the other hand, in order to accomplish the 
aircraft mass requirements also the fatigue specialist is 
often encouraged to give up the 'pessimistic assumption', 
whether or not this will finally prove to be true. The 
problem encountered during early development may be 
emphasized by the histogram shown in Fig. 6. 
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| Detail Orawmgs Completed     lp» 

Start of Manufacturing 

| Full Scale Static Tests [»» 

I First Flight 

| Start ol Full Scale Faligue Test [«» 

| End ot Full Scale ratiguo Test [t» 

^J Further Update ot load Spectra 

Detailed Falgua Analyses 
> Modifications 

i Test Results   > Modifications 

•B-j Final Fatigue Ventication 

« 

• • 

8. IN SERVICE FATIGUE LIFE MONITORING 
Once in service the fatigue life of the individual aircraft 
life will be monitored relative to the qualification tests. 
This requires the installation of a sophisticated fatigue 
life monitoring system. 

Fig 6    Chronology cf Fatigue Verification Process 

Also the stress engineer who has to apply the fatigue 
allowables is faced with the problem of light lime 
schedules and the need to perform detail stress 
calculation for areas recognized to be dimensioned by 
the faligue allowables. 

Another point worth discussing is the fatigue analysis 
method used. It is certainly disappointing to realize that 

• • 
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today in principal the same approach is used as more 
than 20 years ago (Ref. S to 9). 

However, if reviewing the proposed alternatives during 
this period only the local strain concept seems to have a 
promising prospect. The reasons why it is not used 
during the development phase are simply: 

- a large portion of fatigue critical sections are joints 
where the local strain concept has not yet proved to 
be applicable. 

- a general superiority compared to the nominal stress 
aspproach has not always been achieved (Ref. 3). 

In Fig. 7 to 9 some statistical evidence derived from the 
full scale fatigue test for the TORNADO aircraft is 
presented. 

■[.!',' nji'iuqi 

Fig 9   Distribution of Fatigue Cracks 

9.2 Major Load Carrying Components 
The major load carrying components in general receive 
special attention with regard to detail fatigue design. 
The loading spectrum is usually of good accuracy and 
early development tests - static and/or fatigue - are often 
performed and necessary modifications can immediately 
be introduced ir.to the design. Therefore, no significant 
fatigue problems are encountered for these components. 

m 

♦) 

•    • 

Fig. 7   Distribution of Damages in Major 
Structure Parts (Ret. 4) 

• % 
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4% 

SlUC Failurat 
2% 

Fig 8    Type of Damage (Ret 4) 

9.3 General Structure 
Whenever an unexpected failure occurs during a full 
scale test or in service the question has to be raised: 
Why has the criticality not been recognized during the 
design stage? 
It is common experience that a consiberable number of 
unexpected cracks will develop during full scale testing 
in sections that had not been identified to be critical. A 
few of them may be attributed to unpredictable assembly 
stresses or internal stresses due to manufacturing 
processes or even to excessive scatter of fatigue 
properties in a particular material. However, for the 
majority of cracks the problems must be traced back to 
the fatigue analysis process. 
An attempt has been undertaken to survey and 
categorize the fatigue cracks developed during the 
TORNADO major aircraft faügue test. The graph in 
Fig. 10 contains the cracks discovered on the centre 
fuselage up to 12000 simulated flight hours (75% of the 
required test life). 
From ihu graph it can clearly be seen that a large portion of 
the fatigue critical sections were not recognized because 
the stress analysis was not sufficient, whether it was not 
detailed enough, or the FE mode! inaccurate, or foi 
whatever reason. Another considerable portion was 
categorized to be 'bad detail design'. Tr majority of 
these details arc secondary structure and therefore, the 
structural integrity of the aircraft is not directly affected. 
Nevertheless, since inspections, repairs or modifications 

• • 
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may be necessary these are important from an economic 
point of view. 

Spociium incorrtct 
or too optimist« 

Fatigue Analysis incorrect 
or too optimistic 

Fig 10 Reasons tor Not Recognizing the Fatigue 
Critical Sections (Survey of Centre 
Fuselage only) 

The number of failures traced back to 'fatigue analysis' 
and 'load spectrum' arc fairly small. An explanation for 
the latter is probably the tendency to use pessimistic 
assumptions if the spectrum is not clearly defined. 
Finally, the fatigue analysis method obviously plays a 
minor role with regard to the results of the full scale 
fatigue test. 

according to the mission requirements could then be 
built up and used for fatigue analysis. 

Stress Analysis 
The stress analysis was found to give the major 
contribution to the unrecognized fatigue critical 
sections. This is rather disappointing since it is common 
opinion that the FEM analysis is an excellent tool to 
determine the strength of the structure. However, 
obviously it is not always successful for fatigue design 
and therefore, an attempt is made to investigate the 
reasons: 
Since the total structure will be represented by a mesh of 
finite elements an important criteria for accuracy is how 
fine is the mesh. Docs it sufficiently cover details, 
particular in a complex structure. For a number of cracks 
this was not the case and the criticality was therefore not 
recognized, as has been shown by strain gauge 
mcasuicmcnts on the lull :~ale specimen and/or fine 
mesh recalculations for the relevant sections. 
Another difficult problem is the representation of joints. 
The stiffness of the joints have to be predicted for 
embodiment into the model. The effect of stiffness 
deviations on the overall accuracy may have caused 
some of the fatigue failures. 
Furthermore, the stress engineer has to transform the 
loads or strains/stresses of the finite elements into 
nominal stresses which have to be compared to the 
fatigue allowable stresses. For a complicated structure 
this is not an easy job and requires experienced 
engineers. An early assistance from the fatigue specialist 
may be helpful in many cases. 

*) 

10. DISCUSSION 
If it is assumed that the above findings about unexpected 
fatigue failures are typical for A/C design, at least for a 
similar type of aircraft, then some essential conclusions 
should be drawn. 

Loading Spectra 
As initially mentioned the basic loading spectra and in 
consequence the local spectra used to assess allowable 
stresses are usually in an accuracy range of good to 
conservative compared to the final definition applied to 
the full scale testing. However, care should be given to 
structural areas significantly loaded by spectra of 
different sources, e.g. manoeuvres and landing loads, to 
account for changes of mean load in the load history. 
Today, computer simulations of flight manoeuvres allow 
the generation of spectra for the major loading actions, 
including the loading and movement of control surfaces. 
Unfortunately, the computer models are generally loo 
late available as to form the basis for the assessment of 
the fatigue allowable stresses. 
As a consequence, it would be desirable to obtain early 
in the development phase computer simulations of 
acceptable    accuracy.    Complete    load    sequences 

It is obvious that each of the above mentioned points can 
lead to cither over- or underestimating of stresses and 
consequently, in the case of underestimating a fatigue 
problem may be encountered. A stress analysis error in a 
member of a statically indeterminate structure with 
multiple redundancy can - to some degree - be tolerated 
from a static slrenglh point of view since during static 
testing the load will be redistributed as soon as nonlinear 
deformation occurs. However, in case of fatigue loading 
- which represents the inservicc loading - the full load 
spectrum will normally be acting and fatigue damage 
according to the correct stress level will be accumulated. 
Finally, also a non-technical aspect should be 
mentioned. Since often a tight time schedule is pressing 
the stress engineer to release the drawings, he may 
sometimes primarily check the static strength and - 
knowing the problems of predicting accurate local 
fatigue stresses - be forced to rely on the results of the 
full scale fatigue test. 

Detail Design 
With increasing complexity of the structure also the 
danger of unfavourable detail design increases. A great 
deal of knowledge and experience regarding optimum 
design against fatigue is required to avoid these fatigue 
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problems.   A   'feeling'   for   load   flow,   structural 
deformation and material capability are important to 
deal with complex structures. 
Comprehensive information in the design handbook are 
certainly of great help, particular for young design 
engineers with little experience. 
In spite of all precautions taken to avoid these failures 
happening it is certainly wise to accept that a perfect 
detail design throughout the complete structure will 
remain a dream. 

Fatigue Analysis 
The fatigue incidences attributed to incorrect fatigue 
analysis are dominated by a typical crack pattern. The 
cracks developed in the flange of a frame, perpendicular 
to the short transverse direction. Thus, the degradation 
of the fatigue properties in the ST direction has been 
disregarded. Therefore, care must be taken not to miss 
any structural details that are detrimental to the fatigue 
characteristics. 
Whether for a safe life design Miner's rule will soon be 
superseded by a more sophisticated method remains 
doubtful. Further improvements or modifications of 
Miner's rule - e.g. adjustments based on results of flight- 
by-flight component tests - seems to be more likely. In 
this context the generation of an international database 
(as proposed previously, Ref. 10,11) covering flight-by- 
flight test results for structural details and also for full 
scale specimens would be greatly appreciated. It should 
contain all information necessary to allow the re- 
analysis of the test failure. Thereby, it will be possible to 
adjust the relevant analysis parameter. 

11. CONCLUDING REMARKS 
For the major load carrying parts, attracting special 
attention with regard to fatigue, generally no significant 
problems are expected for the final built standard. 
For general structure it can clearly be concluded that the 
fatigue analysis alone is by far not the weakest link in 
the total fatigue verification process, at least for a fighter 
aircraft. The main potential for improvement can be 
assumed in the stress analysis field. In consequence of 
the problems discussed also a change in design principle 
from 'safe life' to 'damage tolerant' would not 
automatically result in an improved efficiency of the 
analysis. This does, of course, not question the basic 
differences between the two philosophies. 
As an obvious conclusion it has to be repealed that 
comprehensive full scale testing of the total airframc or 
components remains an essential part of the fatigue 
verification process. 
However, for present and future projects a gradual 
improvement of the analytical part of the fatigue 
verification process is expected. This optimistic outlook 
is mainly based on the fast development of computer 

software and associated tools used in the disciplines 
loads, stress and fatigue analysis. 
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During high angle-of-altack (aoa) leu than 25 degrees, (he 
X-29 experienced severe vertical tail büßet. Fin tip accelerome- 
ter data exceeded 110 g's at approximately 16 Hz. The U.S. 
Air Force Flight Dynamics Directorate was asked to provide 
technical support to ensure that the entire X-29 flight lest 
program could be safely conducted. 

The Il'snt dynamics Directorate transitioned an in-house 
developed crack growth life prediction program (MODGRO - 
Ref 1) to the X-29 program office and NASA/Dryden as well 
as extensive technical support. Three dimensional crack 
growth analyses were conducted between flight days to track 
possible damage growth based on actual strain data collected at 
critical areas of the vertical tail. The entire high aoa flight test 
program was completed as planned using MODGRO to predict 
damage accumulation and used the data to manage flight 
maneuvers to maximize useful flight data and minimize 
structural risk. 

A follow-on flight test program was conducted with the X-29 
to assess Vortex Flow Control. Repair to the tail was required 
to complete this mission. Analysis and verification testing of 
the repair was performed by the Flight Dynamics Directorate. 
At the end of that flight test program, less than 10% of the 
repair life was used. 

1   BACKGROUND 

Many current high performance aircraft have experienced 
vertical tail buffet at high aoa. Under high aoa conditions, 
turbulent air flow from the aircraft forebody can impinge on the 
vertical tail causing high frequency loading. This buffeting 
action has the potential to severely reduce the service life of aft, 
vertical control surfaces. The X-29 demonstrator aircraft #2 
first encountered significant vertical tail buffet on 9 May 1990 
during flight #42 at angles-of-attack between 20 and 35 
degrees. This buffet condition occurred for 15 seconds and 
resulted in fin tip accelerations in excess of 110 g's and a 
dominant first bending mode of 16 Hz. This condition resulted 
in vertical tail loads approaching their design limits and the 
decision was made to temporarily avoid this flight condition. 
Howe >er, this decision severely impacted the X-29 flight lest 
program since military utility flights were to be conducted al 
high aoa to demonstrate the maneuverability of the aircraft. 
Damage tolerant analyses of the tail were performed for the 
assumed most critical location to estimate She crack growth life 
of the vertical tail at various g levels. An initial flaw size of 
0.03 inch was chosen based on field experience and confidence 
with existing nondestructive evaluation (NDE) methods. In 
this case, an eddy current inspection method was used. 

Preliminary analyses established inspection intervals at the 
most critical areas of the tail. These analyses used the limited 
fin tip acceleration data that «as available for the tail and a 
simple transfer function to estimate local stress levels. 
Additional strain gage instrumentation was installed or. the 
vertical tail while the aircraft was down for it's next scheduled 
maintenance and stress analyses were performed to determine 
the actual stresses at several locations on the tail. These 
analyses were then correlated with subsequent flight test data 
and more detailed crack growth predictions were performed to 
more accurately establish the damage tolerance of the vertical 
tail. 

2   APPROACH 

Analysis of Ihe in-flight acceleromeler data during buffet 
revealed that the vertical tail was primarily experiencing the 
first bending mode at a natural frequency of 16 Hz. There 
was some indication of the second bending mode and first 
torsion mode at higher frequencies but at much lower 
amplitudes. Several areas of the tail were considered as 
possible areas for crack initiation and growth (FIGURE 1.0), 
but the ait root fitting (location #4) was considered lo be the 
most critical since Ihe tail was primarily being loaded in pure 
bending during buffet. The aft tail mount was considered to 
be most highly loaded due to the fact that the tail is swept aft, 
shifting the center of pressure and mass toward the rear 
fitting. This was supported by static test data supplied by the 
manufacturer (Grumman). Grumman also supplied a transfer 
function relating fin tip acceleration to stress at the aft fitting. 
This was accomplished by relating acceleration to deflection 
and deflection to root bending moment and finally to the gross 
section stress in the aft attachment. The 15 second fin tip 
acceleration trace obtained during flight #42 was normalized 
(FIGURE 2.0) and used as a loading spectrum for crack 
growth analysis. Various maximum g levels were modelled 
by multiplying the normalized spectrum by the stress level 
corresponding to a given acceleration. 

Prioi to performing any damage tolerance analysis for the aft 
tail attachment, a reasonable initial crack length must be 
assumed. The assumed size should, of course, be large 
enough to have a high probability of detection. Since NASA 
had safety of flight responsibility for the aircraft, they were 
responsible for any type of aircraft inspection. It was 
determined that eddy current inspections would be performed 
at three locations on the tail (locations 3,4, and 6 - FIGURE 
1.0). Inspections of areas 1 and 2 would have required the 
removal of blind fasteners which had a higher probability of 
causing crack initiation than the buffet loads. Location #5 
was considered less critical than location #4. The NASA 
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inspector initially claimed to be able to detect any flaw larger 
than 0.005 inch using a hand held probe inside fastener holes. 
U.S. Air Force experience has indicated that a more realistic 
size is on the order of 0.03 - 0.05 inch. After discussions with 
NASA and Grumman engineers, it was decided to use the Air 
Force crack growth prediction program, MODGRO, assuming 
an initial 0.03 x 0.03 inch corner flaw at ideation #4. It was 
also agreed that an immediate inspection of locations 3,4, and 
6 would be conducted and subsequent inspections would 
follow if and when the time spent in buffet exceeded 1/2 the 
predicted time to failure for the highest Tin tip acceleration 
measured since the last inspection. The predicted life (time in 
buffet) is shown in FIGURE 3.0 as a function of maximum g 
level. This approach was very conservative assumi ng that 
location #4 was indeed the most critical location, but it was 
felt that the limited available data warranted a conservative 
approach to assure safety. In any case, this approach returned 
the aircraft to flight at high aoa. 

While the above approach returned the X-29 to high aoa flight, 
subsequent flights and frequent inspections demonstrated the 
need to obtain more data to remove some of the conservatism 
from the analyses. While the aircraft was ncaring the next 
standard 100 hour overall inspection, Air Force, NASA and 
Grumman Engineers decided to install strain gages covering 
all six critical areas on the right side of the tail during the 
scheduled down time. These gages would provide detailed 
strain information for these locations. Grumman was contracted 
to perform stress analyses for each location and used flight test 
data from the new gages to calibrate their analyses. Flight #55 
was the first flight after the installation of the gages and was 
flown at low aoa to obtain less dynamic strain for calibration 
purposes. Flight #57 was the next flight in which a 25 second 
buffet event occurred at high aoa. TABLE 1.0 shows the 
maximum strains and calibrated notch stresses for this event. 
As can be seen, the initial assumption that location #4 was the 
most critical location was incorrect. In fact, applying the 
rule-of-thumb that the difference in crack growth life is 
approximately equal to the cube of the stress ratio in aluminum 
results in a factor of 27 between the life at location #4 
compared with location #2. Location #2, which is just above 
the drag chute bracket, is non-inspectable in practice since 
blind fasteners must be drilled out for inspection. A detailed 
view of location #2 is given in FIGURE 3.0  Grumman 
engineers performed both crack initiation and crack growth 
analyses for location #2 using the 25 second Kitfet event. 
Constant load amplitude test data for 2024-T851 aluminum 
(X-29 te:| material) coupons with open holes were also 
available from Grumman. These data provided cydes-to-failure 
information at several load levels. Since Grumman is 
primarily a U.S. Navy contractor, their aircraft are generally 
certified by crack initiation analyses. Since the Air Force 
requires damage tolerant analysis for safety of flight, MODGRO 
was used to determine an initial comer crack size that would 
yield a predicted life matching the Grumman test data. The 
resulting initial crack length was 0.01 inch for the 2024-T851 
aluminum skin material, this size also happens to be the same 
as the generally accepted size defining crack initiation. This 
was pure coincidence since a much smaller initial crack size is 
usually required to predict total life with damage tolerant 
analysis alone. However, this material is relatively brittle and 

Grumman had also predicted a short initiation time for the 
flight #57 event. In lieu of any inspection of location #2, an 
initial f 01 x 0.01 inch initial comer crack was assumed at the 
lower fastener hole (FIGURE 4.0). Since all locations on the 
vertical tail are matched on both the left ind right side, the 
event in flight #57 was also inverted to model the loads on 
both sides of the tail. The mean stress was rarely zero, 
probably due to the fact that at various aoa, left or right 
rudder are applied to maintain heading or perhaps the vortices 
favor one side over the other. The strain trace from flight #57 
is given in FIGURE 5.0. The minimum crack growth life 
from the initial flaw size was predicted to be 330 repeats of 
the buffet event seen in flight #57 (FIGURE 6 0). After more 
discussions between Air Force, Grumman, and NASA, a life 
of 165 repeats of the event was agreed on to provide a safety 
factor of two for the analysis. Time in buffet prior to flight 
#57 was counted by using the flight #57 event, correlation 
between maximum stress at location #2 and fin tip 
acceleration, maximum stress ratio between previous events 
and flight #57, and the time spent in buffet in the previous 
flights. Once the correlation between stress at location #2 
and fin tip acceleration was determined, the equivalent time 
in buffet (based on flight #57) for each previous flight was 
determined as follows: 

Equiv. Time - [Max Stress/Tit 57 Max Stressj'x Buffet Time 

A review of previous flight test records resulted in 
approximately 45 equivalent buffet events up to flight #57. 
Therefore, after flight #57, approximately 30% of the tail life 
was used. 

A special version of MODGRO was supplied to NASA/Dryden 
to be used to predict crack extension using actual flight test 
data. Between flight days, buffet stress data was down 
loaded to an IBM compatible PC and crack growth predictions 
were made using both the given and inverted versions of the 
stress spectra. Crack growth was predicted from the last 
predicted crack size and each spectrum was input twice to 
provide a safety factor of two on life. The most conservative 
prediction was used as the new crack size. To provide a 
metric for the percent life expended, the crack growth curve 
for flight #57 was used as a reference in that the number of 
repeats of the flight #57 event corresponding to the current 
crack size was divided by the life (330 repeals)  Tnc aircraft 
completed the original flight test program at approximately 
96% tail life. A second flight test program was desired to 
study the potential of vortex flow control to supplement the 
vertical tail yaw control. The fasteners at location #2 were 
drilled out, eddy current inspected, reamed 0 03 in, 
re-inspected, coldworked, and interference fit fasteners were 
re-installed. The Air Force Flight Dynamics Directorate 
conducted a test program to verify the lepair and developed 
new input data files for MODGRO. The damage accumulation 
from an 003 inch initial corner flaw was tracked by the Air 
Force program office. Crack growth predictions were not 
made as frequently as was done previously since the repair 
was considered better than the original structure  At the end 
of the program approximately 7% of the repair life had been 
expended. 
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3   CONCLUSIONS 

The X-29 demonstrator aircraft m ml designed using 
damage tolerance requirements, but after the tail buffet 
problem was discovered, it was possible to employ the damage 
tolerance philosophy to provide a means to continue the 
program safely. Without the use of damage tolerance analysis 
methods, it is extremely doubtful that the responsible organiza- 
tions (NASA, US. Air Force, and Grumman) would have 
continued operations 'inder high aoa c mdilions. Although 
location #4 was not the most critical location, the use of a 
conservative initial approach quickly led to the discovery of 
the high notch sires*- 31 location #2. The subsequent detailed 
analysis of location #2 provided a means to manage future 
flights. The Air Force and NASA used MODGRO as a tool to 
manage the X-29 test program afta flight #57. More severe 
flights were conducted earlier than they would have been and 

experience gained from certain maneuvers allowed them to 
be modified or deleted to complete other important tests of 
the aircraft It is very difficult to quantify die success of the 
damage tolerant design philosophy by pointing out aircraft 
that have not experienced a structural failure. However, it's 
use in the X-29 program has clearly been invaluable 
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TABLE 1.0: FligBi Test Results 

Location 

Fwd  Skin 
Radius 

(1) 

Aft  Skin 
Radius 

(2) 

Strain (micro-inch)   Knotch 
Gage      Fit  55   Fit  57     Stress (ksi) 

91033 
91034 
91035 

91029 
91030 
91031 
91032 

680 
610 
580 

170 
820 
900 
1160 

700 
600 
600 

600 
1500 
1500 
2000 

•        • 
16.1 

77.5 

Mid Rudder 
Hinge 

(3) 

Aft 
Pedestal 

(4) 

91026 
91027 
91028 

91037 
91038 
91039 

300 
400 
500 

650 
620 
520 

1200 
1200 
1300 

700 
700 
800 

19.0 

24.4 

Fwd Pedestal 91040 
(5)       91041 

Upper Hinge 
(6) 

91024 
91025 

590 
980 

290 
200 

500 
850 

900 
700 

17.9 

32.0 

•   • 
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I. SUMMARY 

The different approaches adopted lor the fatigue 
clearance of the Harrier II in United Slates Marine 
Corps and Royal Air Force usage are discussed. 

Brief accounts are given of the impact differing 
analysis methodologies and national airworthiness 
requirements have had on fatigue design, test and 
monitoring of the airframe. 

2. INTRODUCTION 

Harrier II is a general name adopted for the second 
generation aircraft evolved from the Harper 
GR.Mk. 1 airframe designed ny Hawker Siddeley 
Aviation (HSA) at Kingston upon Thames in Surrey. 
England. The GR.Mk. 1 (later re-designated the 
GR.Mk.3) design was itself founded on extensive 
experience gained from its forerunners, the P. 1127 
and Kestrel aircrat'1 

The design of the Harrier II was initiated in response 
to a United States Marine Corps (USMC) 
requirement for an aircraft with payload and radius 
capabilities superior to those of the USMC version of 
the GR.Mk. 1. the A V-8 A. The new aircraft, 
designated AV-8B. was developed by the McDonnell 
Aircraft Company, MCAIR, as prime contractors, 
with HSA (now British Aerospace. BAel 
sub-contracted to design and produce the art-centre 
and aft fuselage. 

The Royal Air Force. RAF. had a similar requirement 
for a VSTOl.-capable aircraf' to replace its fleet of 
Harrier GR.Mk.3. aircraft and decided eventually to 
purchase the AV-8B aircraft, essentially as an existing 
design. In the RAF the aircraft was re-named the 
Harrier GR.Mk.5. 

This Paper examines the considerations given to 
fatigue in the structural design and clearance of the 
AV-8B and the policies adopted in the UK to ensure 
safe operation of the Harrier GR.Mk.5 aircraft in RAF 
operational duties. Particular attention is paid to areas 
where the US and UK approaches contrast as a result 
of separate airworthiness requirements and differing 
methodologies evolved by the design authorities. 

3. DESIGN AND CLEARANCE AGAINST 
FAT.GUE- HARRIER I 

The structural design of the Harrier GR.Mk. 1 aircraft. 
which entered service with the RAF in the late 
1960s, used the results from a full scale fatigue test 
of the prototype aircraft, the Kestrel. Fig 1, 
supplemented by numerous tests of detail parts, 
systems and assemblies. There followed full scale 
tesis of the single and two-seater aircraft at HSA's 
Kingston plant. All stages of this process were guided 
by the UK airworthiness requirements contained in 
Ref I. 

The primary consideration in the design was one of 
minimum weight, although a 3(XX) hour fatigue life 
was specified. A limited fatigue evaluation was 
carried out at the design stage, hut mainly 
concentrated on detail design to ensure that the life 
requirement was achieved. Tins course proved to be 
highly successful as the full scale fatigue tests went 
on to demonstrate that the airframe had an endurance 
twice that specified. 

While specific fatigue calculations were restricted in 
scope during design, a clear value was seen in 
analysis of data from the fatigue tests. Accordingly. 
the results were the subject of detailed fatigue 
analysis using Miner's cumulative damage rule and an 
S-N equation for bolted joints derived by the Royal 
Aeronautical Establishment (Famborough). RAE(F). 
Ref 2. 

The substantial work, Ref 3. published in 1962 by a 
former RAE employee. RB Heywix>d. which 
correlated an extensive range of fatigue data, formed 
the basis for more refined analysis techniques adopted 
by HSA Kingston. In 1968. a summary of the 
empirical S-N equations was compiled with a view to 
formulating a comprehensive procedure for the 
fatigue analysis of airframe component; This later 
became practicable with the introduction of 
mini-computer technology and a program was 
developed offering a wide range of analysis facilities 

The prim pal input data to the program were: 

o stress concentration factor 
o notch root radius 
o nominal mean and alternating stresses 

• • 
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The endurance of the notched component was 

obtained for the givei   stresses by an itcalive process 
using master diagram (i onslanl life) data lor the plain 
material and complemen ary strength reduction 
relationships lor the notched alloy. 

When interpreting the results oi' testing, nominal 
stress levels or parameters wit'iin the generalized 
equations »ere modified to 'fit' the S-N data to a 
known test failure point. By this 'calibration' of the 
equations, read-across to in-service aircraft could be 
effected. Fig 2 illustrates manipulation of the S-N 

curve by. in this instance, variation of stress 
concentration parameters. 

Fatigue life predictions, using available S-N data 
without the benefit of full-scale fatigue test results, 
were shown to be unreliable. This was variously 
attributed In inadequate knowledge of the critical 
location, the local stress distribution and the spectrum 
of applied loads (which would also preclude full-scale 
testing). 

4. DF.S1GN AND CLEARANCE AGAINST 
FATIGUE- AV-8B 

The Detail Specification for the A V-XB. Ref 4. stated 
that the aircraft should have a fatigue Iife of 60(H) 
hours. In order to meet the enhanced payload and 
range requirements, substantial changes were required 
to the structure of the Harrier I on which the aiierafl 
was broadly based. The new design took account of 
Harrier I test and in-service data, an AV-XA service 
life extension programme (designated AV-8C) and 
experience gained from a prototype aircraft, the 
YAV-XB 

The requirements necessary to prove thai the design 
would meet the specified fatigue life were set out in 
Ref 5 and were founded on established US military 
specification requirements. Ref 6. 

The principal materials used in the airframe .ire shown 

in Fig .'. The structure comprised conventional 
metallic assemblies complemented by extensive use 
of composite imperials, particularly in the forward 
fuselage, wing and tailplane. Tne use of the new 
materials in major anfrarne components required that 
a design and clearance programme for composites 
was developed in addition to the more traditional 
routes adopted for the metallic structure. 

4.1 Fatigue Speclri. 

Data gathered from USMC operations of the AV-XA 
fleet and YAV-XB aircraft were used to assemble an 

AV-8B normal acceleration spectrum. The following 
key requirements set out in the Detail Specification 
for the AV-8B directed this process: 

o "Mean + 3o" normal acceleration spectrum 

o 9:1 ratio of symmetric to aysmmetrie manoeuvres 

o maximum wing up-bending moment flight condition 

o a flight-by-flight test sequence 

Fatigue meter data were collated and a mean normal 
acceleration spectrum generated for the AV-8A fleet. 
A I(XX) Hying hour AV-XB spectrum was derived by 
increasing the count at each fatigue meter level by 
three limes the standard deviation for that level This 
"Mean + 3o" spectrum, shown in Fig 4. formed the 
basis for much of the design and testing of the 
AV-XB airframe. 

The third requirement ol the Specification was 
significant. A "worst-point-in-the-skv"condition, 
based on the maximum wing up-bending case, was 
stipulated which applied loads that generally would be 
higher than those routinely encountered in service. 
Tins ostensibly conservative approach enables a 
reduction in duration of qualification testing and is 
the major difference between US and UK 
philosophies. A test factor of two - and so a duration 
of 12'XX) hours - was agreed by the customer's 

technical authority. NAV'AIR. to cover scatter in 
fatigue performance of the metal structure. 

in design calculations a factor of four was applicable 
where testing would determine the true life of 
structure, where no testing was scheduled a life factor 
of eight was. ipplict' 

4.2 Design Calculations - KtDI.K Approach 

In the design of the AV-XB. the resistance of the 
structure to fatigue loadings was a major 
consideration.  Numerous fatigue calculations were 
performed ,uid for many components fatigue 
strength, rather than static strength, was the overriding 
design criterion. To avoid the need for repetitious, 
complex and time-consuming damage calculations on 
every component of the critical structure, a system 
based on allowable stresses was employed. This 
enabled engineers not fully conversant with the 
intricacies ,>l fatigue analysis to apply a checking 
procedure similar to that used in routine static 
stressing 

Component stress spectra and allowable stresses were 
generally developed by the process shown in Fig 5 

*J 
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for each critical component of the airframe. Table 1. 
The allowable stresses were derived as "KtDLS" 
values (DLS - Design Limit Stress) to provide a 
measure against which the combined stress 
concentration (Kt) at a notch and peak nominal stress 
in the region could be compared. 

TABLE I: A V-8B COMPONENT FATIGUE 
SPECTRA LOCATIONS 

Wing/Fuselage 
Flap 
Aileron 
Inboard pylon forward wing back-up fitting 
Forward Fuselage 
Cockpit cmsstie 
Lids fen.'e 
Aft Fuselage - Frame 40 to 4.? area 
Rudder top hinge 
Stabilator 
Vertical tail 
Main landing gear 
Nose landing gear 
(tutrigger landing gear 
Speedbrake 
Outboard pylon 

The fatigue analysis used in the calculation of these 
allowables was based on local strain analysis, using 
Neuner".- rule. Ref 7, supported by a sizeable series 
of laboratory fatigue testing to establish stress-strain 
and strain-life data. Further element testing provided 
•-uhstaniiation of the fatigue life prediction 
calculations. 

The use of local strain methodology in preference to 
traditional S-N based data for fatigue analysis was 
another area of divergence from UK (HSA) 
procedures. But in this case, the difference was matter 
of company methodology, rather than national 
airworthiness requirements. 

4.2.1 A Brief Overview of the Local Strain Method 

Local strain analysis is a more rational basis for 
fatigue analysis than calculations based on nominal 
stress, a-, the degradation of a metal by fatigue is 
initiated by microscopic, irreversible, displacements 
within the material. The analysis attempts to model 
the strains of the material at a notch, taking account 
of local yielding and, if the load history is preserved, 
residual stresses from previous cycles. 

The input data required to estimate the time to crack 

initiation (assumed when crack reaches 0.25 mm) 
.ire: 

0 nominal stress history 
o elastic stress concentration factor 
o stress-strain parameters 
o strain-life parameters 

Strain-life data are obtained from tests of plain 
specimens under strain controlled conditions. The 
method assumes that the specimen is representative 
of the behaviour of material at the root of a notch in 
actual structure. 

By solving Neuber's equation and the stress-strain 
relationship for each reversal in the nominal stress 
history, a local strain sequence at the notch root is 
generated. The associated local stress at each strain 
point is also recorded. A hyslensis loop identification 
routine is then used in conjunction with the strain-life 
equation to calculate damage values for each strain 
cycle in sequence. A simple summation of the 
damage values gives the total damage due to the stress 
history. 

Fig 6 shows these steps ui graphical form. 

4.2.2 Determination of Stress Concentration Factors 

A key parameter in local strain and conventional 
fatigue analyses is the geometric stress concentration 
factor. It was noted previously that HSA found tnat 
fatigue life predictions often tended to be unreliable 
due. in part, to uncertainties concerning the local 
stress distribution at the critic, i feature. In the design 
of the AV-XB much effort was dedicated towards 
ensuring accurate values of stress concentration 
factors were used in the calculations. Allowances 
were made for a number of parameters, including: 

o thickness 
o countersink 
o bearing stress 
o variation of lo.td direction in lugs 
0 edge distance 
o interference tit 
o cold working 
o surface treatment 

This attention to local stress condition, allied with 
accurate field stresses obtained from finite element 
modelling, removed a significant source of 
inaccuracy which had prevented satisfactory life 
prediction calculations on the Harrier I. 

Nevertheless, while major improvements in fatigue 
analysis can be made by the use of modem analysis 

*J 
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techniques, scatter in fatigue performance will 

always prevent accurate predict ions of when an 
individual part will fail. 

4.2.3 A Cursory Comparison of Local Strain 
and S-N Analyses 

Although differences in MCAIR and BAe fatigue 
analysis methodology were not directly related to the 
US and UK airworthiness requirements, it is 
interesting to compare briefly the principles and 
benefits of the methods. 

In both local strain analyses and more traditional S-N 
methods the lite to crack initiation is considered 
Further similarities exist between local strain analysis 
and the S-N method used by BAe Kingston. Indeed, 
the principle proposed by Heywood of relating 
notched material behaviour to plain specimen life 
data is very similar to the local strain method. 
Heywocd states that. 

"For alternating stresses the cyclic plastic strain 
reduces the theoretical maximum stress in the notch. 
and it is reasonable to assume that the reduced vat te 
corresponds precisely to the stress in the plain 
specimen, for the same cycles to failure." 

Where Heywood used stress a< the basi 
read-across f because of the vast mass of data 
available), local strain methodology uses strain. 

A major argument often advanced for using local 
strain analysis over stress-based methods is the 
ability to account for residual stress effects at the 

notch root. This is not possible with S-N analysis, but 
in many cases it is debatable whether this shortfall is 
important. Often the load history is not available - 
and where it is. the sequence effects usually serve to 
cancel each other. Unlike transport aircraft, for 
example, fighter aircraft experience extremely 
complex load histories where high positive and 

negative loads occur often and evenly throughout the 
aircraft's life. 

Local strain analysis does have a distinct beneli! in 
components which do not experience this random 
mix of loading, where one load direction 
predominates with occasional significant changes HI 

sign Components subjected to upper wing loading- 
can fall into this category. 

The generalized S-N equations do not allow such 
refinement, but some significant benefits are gained 
by their use. A vast amount of S-N data has been 
compressed into a number of equations covering the 

entile- range of mean and alternating stress, and the 

effects of stress concentration, notch sensitivity. 
ih    ' size and fretting. This enables fatigue 
calculations to l« carried out on most aluminium and 
steel alloys without recourse to expensive laboratory 
fatigue tests. 

The treatment of mean stress is a notoriously difficult 
problem and outside the scope of this Paper, but it 
receives a rational treatment in the generalized S-N 
equations with the introduction of a mean stress 
reduction factor. Km. This enables due allowance for 
mean stress effects to be made automatically in 
routine analysis. The treatment of mean stress in 
Neuber's analysis varies, two rules are in regular use: 
the Morrow correction and the Smith-Watson-Topper 

parameter. Both have been tried in the MCAIR 
analysis system and the latter is currently favoured. 

The question of the relative accuracies of the local 
strain and S-N approaches is difficult to assess. The 
different applications of the methods (design and 
in-service read-across) by the BAe and MCAIR 
preclude a direct comparison. In any event, the 
"accuracy" of fatigue calculation is a rather notional 
concept as fatigue data are obscured by scatter in 
results and a profusion of secondary environmental 
and physical effects. 

A subjective assessment suggests that, when sensibly 

applied, there is little to choose between the two 
methods. In both cases the nominal accuracy depends 
on the suitability of the fundamental materials data. 
The local strain method is comparatively new and so 
the library of strain-controlled test data is not as 
extensive as that available for S-N data. Conversely, 
the generalized S-N equations were derived over 30 
years ago and must be re-validated when applied to 
materials now in common use. 

4.2.4 The KTDLS Method in Operation 

To dale, evidence from the AV-XB indicates that the 
KtDLS method has been instrumental in producing a 
rugged, well designed aircraft. Thi- must he the 
fundamental measure of the worth of the system, as t, > 

be cost-effective it must result in a better product. A 
significant benefit is also derived from its use as ,i 
routine stressing tool. A wide-spread awareness of 
fatigue is promoted amongst engineers, encouraging 

the control of fatigue to be an integral part of ihe 
design process. 

It is not a panacea, though. Fundamental difficulties in 
fatigue analysis are not removed, particularly that of 
predicting where cracking will siart  A rc-dCsign will 
attend to those areas which analysis shows lo be 
deficient in fatigue strength, but it is almost inevitable 

m 
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that the areas which eventually give rise to fatigue 
problems will be those that were overlooked in the 
design review. 

A good example of this dilemma is provided by the 
original design of the fin forward attachment fitting 
of the AV-8B. Fig 7 shows a sketch of the 
component. The front spar of the fin is attached to the 
two lugs grown out of the fitting. Clearly, this is a 
crucial joint and naturally its fatigue strength was 
assessed using the KtDLS method. The lugs were 
identified as potential fatigue initiation points and 
subsequent fatigue analysis indicated that they had 
been efficiently designed with adequate fatigue 
strength. However, on the AV-8B Full Scale 
Development Fatigue Test a failure of the port fitting 
occurred at about a third of the required life. 

The failure originated, not from the lug bore, but from 
the comer root fillet radius, causing complete 
separation of the lug from the fitting. A retrospective 
KtDLS analysis of this section, which involved a 
special detailed finite element analysis to quantify the 
stress concentration, showed that the fatigue strength 
was indeed inadequate and premature failure might 
be expected. 

This experience showed that the KtDLS method is a 
reliable guide to fatigue performance (the lug and the 
fillet were correctly identified as non-critical and 
critical, respectively), but that detail designers must 
remain alert to the often insidious nature of stress 
concentrations. 

4.3 Clearance of Composite Structures 

The use of carbon fibre composite material on the 
AV-8B was the result of an accumulation of 
experience gained on F-4. F-15 and F-18 aircraft. As 
confidence and knowledge grew, the extent of CFC 
components increased, from the rudder on the F-4 to 
the AV-8B, where about 259f of the structural weight 
is CFC material. 

A comprehensive description of the development of 
CFC structure for the AV-8B is given in Rel 8. The 
design and clearance of the wing box. the primary 
CFC component of AV-8B, will be briefly examined 
here. 

The torque box comprises eight CFC spars and a 
mixture of CFC and metal ribs (where out-of-planc 
loads are high) attached to monolithic upper and 
lower skins. As is typical for composite constructions 
of any complexity, a "building block" approach was 
used in the design and clearance of the structure. 
Throughout the programme, summarized in Fig 8, 

particular attention was paid to the reduction in 
material properties resulting from adverse 
environmental conditions and inadvertent damage. 
The progressive build-up from simple elements, to 
joints, to sub-assemblies also allowed examination of 
the structural interaction effects which frequently 
result in the complex and unpredictable failure of 
composite structures. 

Except for the centre-line wiig joint (see Fig 9). 
fatigue was not a principal criterion in the design 
process. It is well known that, unlike metals, an 
adequate static load carrying capability in CFC 
structures normally confers satisfactory fatigue 
strength. The use of conservatively low design strains 
ensured that cyclic loads encountered in-service, 
even in conjunction with barely visible impact 
damage, would not cause propagation of damage. 

Another noted property of composite construction, its 
sensitivity to oul-of-plane loads, attracted special 
consideration in the design of the wing box. Where 
point loads were intrixiuced into the structure, at 
pylon attachments for example, carefully designed 
metal fittings were used to minimize out-of-plane 
loads in the CFC structure. At the wing centre-line, 
quite high "kick" loads were caused by the wing 
anhedral and the design allowables were reduced in 
this area in compensation. A sub-assembly fatigue 
test of the joint was carried out to validate the design. 

The AV-8B Full Scale Development fatigue test, 
although part of the overall qualification of the 
airframe. was aimed principally at clearing the 
metallic components. The combined full clearance of 
mixed metal and CFC structure by a single test is 
very difficult to achieve and was unnecessary in this 
case. For the CFC components, the stress factoring 
required to complete the test in an economic 
time-scale increases the risk of premature and 
unrepresentative failure of the metal components. 
The CFC components had been qualified by the 
rigorous building-block series of tests and on the full 
scale test their mam purpose was to obtain the correct 
loading distributions on the metal components. 
Nevertheless, the completion of testing without 
incident on the CFC components provided further 
confidence in the overall integrity of the design. 

In summary, the key axioms in the philosophy 
adopted in the design and clearance of the A V-8B 
CFC structure may be summarized as follows: 

o establish a sound database by extensive testing 
of elements and sub-structures, including 
environmental effects 
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o design for static strength and keep design limit 
strains low 

o he alert to the threat posed by out-of-plane loadings 

4.4 The AV-8B Full Scale Development 
Fatigue Test 

The fatigue life of the AV-XB airframe was proved hy 
a Full Scale Development Fatigue Test (FSDFT) 
which was commissioned in early 19X2. before the 
AV-8B aircraft went into service. 

A series of metallic component fatigue tests was 
carried out to verify critical design features before 
full scale testing was undertaken. A list of these 
components is given in Table 2. Each component was 
subjected to 24000 hours of the spectrum loading that 
would be experienced on the lull scale test. 

TABLE 2: AV-8B METAL COMPONENT 
FATIGUE TESTS 

Centre wing back-up fittings 
Centreline rib radius block 
Flap link 

Inboard flap hinge 
Inboard aileron hinge 
Pylon fitting seal 
Cross tie 

Horizontal stabilator attach lug 

For the FSDFT, a near structurally complete test 
article, FTV1. was installed in a free-standing lest 
frame. The most notable missing component was the 
tailplane. which was subject to a separate full scale 
fatigue test. 

The lest was scheduled for 12000 hours of loading 
based on the 1000 hour flight-by-fiight "Mean + .'o" 
spectrum. The test loadings were applied as a 
randomized sequence and comprised positive ;uid 
negative 'g' excursions with a UVk asymmetric 
content. The symmetric loads were based on the 
"worst-point-in-lhe-sky" maximum wing up bending 
design condition, known as WB01, a 7'g' symmetric 
pull-up flown at 0.95M at 9000 ft. 

During the derivation of fatigue load spectrum an 
analysis of USMC wing stores usage showed thy' the 
loads associated with the WB01 design case Was 
overly conservative. It was agreed with NAVAI < that 
the test symmetric oending moments should he based 
on the "worst-pomt-in-(he-sky" flight condition, but 
combined with a more representative stores 

configuration. This decision reduced the fatigue lest 
symmetric load ca-c to XX'/< of the basic WBOl 
design case. Supporting analysis confirmed that Ihc 
tesi loadings remained conservative with reaped to 

average USMC usage. The AV-XB lesl condition is 
summarized in Table 3. 

TABLE 3: AV-8B TEST CONDITION 

Conliguration 

Aircraft Mass: 22950 lb 

Fuel Stale : hO'.'f internal fuel 

Fuselage Stores: Guns and ammo 

Centre-line pylon + Mk 82 SE 

Wing Stores : Inboard pylon + 1 \ Mk X2 SE 

Intermediate pylon + Mk X2 SE 

Flight Condition 

Mach No.     Altitude eg 

0.95 9000 ft 12.30'/, MAC 

4.4.1 Test Results ami Conclusion 

The test reached 250 hours by 22 March 19X2 and 
was completed on 2 August the same year. Apart 

front failures at the inboard and intermediate wing 
pylons, the failure of the port fin attachment lug was 
the only major incident to occur during the test. It 
was concluded from this exceptionally favourable 
outcome that, subject to appropriate structural 
modification to rectify these areas, the main 
components of the AV-XB airframe were structurally 
adequate to meet the safe life requirement of the 
aircraft in USMC service. 

4.4.2 Major Component hatiyue Testing 

A full scale test of .in airframe aims to provide a 
general clearance of the principal structural 
component. However, constraints imposed by the rig 
and method of load application and control inevitably 
limit ihe extent of clearance obtained. To overcome 
thi- difficulty on the AV-XB a series of auxiliary test- 
were corned out. The components are identified in 

Fig 3. 

4.5 Fatigue Monitoring In-Scrvict 

The culmination of effort spent in the design and 
testing phases minimizing the risk ol fatigue 
problem- is reached when the aircraft enters service. 

« 

® 

• • 

• 



17-7 

;*/ 

To maintain this low probability of structural fatigue 
failure, the fatigue life consumption of every AV-8B 
is monitored by a software simulation of the 
conventional aircraft fatigue meter resident on each 
aircraft's mission computer. Data from the inertial 
navigation system are converted to an equivalent 
normal acceleration signal at the nominal fatigue 
meter location. Cumulative normal acceleration 
exceedances, displayed post-flight on the cockpit 
digital display unit, are read off and fatigue index 
values calculated by application of a fatigue meter 
formula. 

The limitations of fatigue meter based systems are 
well known and. for the AV-8B, an improved fatigue 
tracking system was proposed by MCA1R to extend 
the area of monitored structure and so reduce 
conservatism in fatigue life calculations. 

Fiv^ structural control points were selected, Fig 10. to 
monitor fatigue usage on the wing, tailplane. fin and 
main landing gear. The proposed system favoured 
calculation of component loads from aircraft 
trajectory parameters rather than direct load 
measurement. The ease of retrofit, zero weight 
penalty, reliability and flexibility of the parametric 
solution were seen as its key advantages over the 
strain gauge based alternative. 

To reduce the amount of on-board processing • load 
equations, derived with the aid of flight load 
measurement programme data, were optimized by 
removal of less significant terms. The on-board 
processing proposed also contained a peak-trough 
identification routine to reduce the load histories to 
their turning point values in preparation for transfer to 
a ground-based fatigue index computation routine. 

4.6 Summary of A V-8B Fatigue life Clearance 
Philosophy 

excursions beyond DLL 

Carry out supplemental tests of major sub- 
components not cleared by   the lull scale test 

Monitor usage in-service on an individual aircraft 
basis 

5. CLEARANCE AGAINST FATIGUE 
- HARRIER GR.Mk.5 

The AV-8B, re-named the Harrier GR.Mk.5. was 
purchased by the Royal Air Force as a replacement 
for its Harrier GR.Mk..< Ileet. BAe was designated as 
prime contractor to the UK Ministry of Defence lor 
the supply and in-service support of the aircraft With 
the exception of some detailed structural 
modifications, the airframe was thai of the A V-XB 

As the GR.Mk.5 was purchased as an existing design 
there was no stated fatigue life requirement for the 
airframe. but this did not discount the need for the 
safe life to be established in its intended role in the 
RAF. 

The optimum clearance rosle was contemplated at 
considerable length by the UK Mini-try of Defence 
and its technical advisor. RAE(F). From the outset, it 
was the opinion of the UK Authorities that, though 
much of the clearance programme of the AV-XB 
would contribute to the process, there were -uch 
marked differences in US and UK procedural 
requirements that the results of the AV-8B FSD 
fatigue test could not be used directly to clear the 
GR.Mk.5. This opinion was largely informed by 
experience gained from the RAF Phantom F4 aircraft 
programme. 

5.1 The Phantom Experience 

*) 

• • 

Base design on successful AV-8A Harrier structure 

Derive fatigue design loads from Me.tn + in AV-HA 
normal acceleration   data 

Design to comprehensive set of fatigue allowable 
stresses 

For composites, carry oul rigorous "building block" 
development test   programme 

Prior to full scale fatigue test carry oul component 
tests on  critical areas 

Test full scale article to 2 lifetimes of "worst-point- 
in-the-sky"  maximum wing up bending case, with 

Three full scale fatigue tests had been carried out to 
US requirements before the Phantom entered service 
with the RAF. The UK requirement- lor the design of 
aircraft, contained in Ref 1. stipulated that lull scale 
fatigue testing of an aircraft should be done under 
realistic load conditions for a duration of up to five 
times the specified fatigue life  Clearly, -uch a tc-i is 
costly and for an aircraft previously designed and 
tested, albeit to foreign airworthiness requirements, it 
was reasonable to examine the possibility of 
obtaining clearance from extant data. However, in the 
case of the Phantom the differences in US and 
predicted UK load spectra, particularly the deliberate 
inclusion in the US tests of loads higher lh.ui would 
be expected in normal operations, led the UK 
Authorities to conclude that a UK fatigue tes| was 

• 



17-8 

essential. 

The comparison of "hard" US and "soft" UK normal 
acceleration spectra in Fig 11 shows the significant 
high load content of the US spectrum. The peak load 
in the US test was 118% DLL against 95'1 DLL in 
the UK test. The omission of low load level cycles 
from the US spectrum is mother important 
difference 

The decision to proceed with an additional UK test 
was vindicated by the value of the information it 
produced1. Most surprisingly, where failures occurred 
on both tests, the UK test tended to experience lower 
lives, even under the apparently more benign load 
spectrum. The test lives of two key failures of the 
wing are given in Table 4. The relative severity of the 
two spectra is taken into account in the ratio of 
Fatigue Index (Fl) values at failure in the right hand 
column. (100 Fl is equivalent to 4500 hours of US 
spectrum testing.) This shows that in the worst case 
the UK specimen had a safe life of only one fifth of 
that demonstrated bv the US test. 

TABLE 4: PHANTOM ■ COMPARISON OK 
US/LK WIN« FAILURES 

FEATURE FAILURE TIME Fl RATIO 

US: UK UK TEST US TEST 

OUTER WINfi 
SKIN 7526 11800 3.7 
CENTRE WING 
PY1.ÜN BOLE 5258 I18P0 >5 

These results highlighted the inability of simple 
cumulative >!amage calculations to read-across 
between ..peclra of markedly different shape. It may 
be speculated that the increased number of low load 
level cycles in the UK test promoted fretting fatigue 
actions, while the high loads in the US to! 
introduced beneficial compressive stresses which 
retarded crack growth. 

Compelling evidence of the benefits of testing to a 
representative spectrum is given in Table 5. This 
strongly indicates that the UK test provided 
information more characteristic of the in-service 
fa'igue performance of the structure 

TABLE 5: PHANTOM WING FAILURES 
SERVICE VS TESTS 

SERVICE FAILURE LOCATION 

OUTER WINfl 

SKIN AT .15",. SPAR ATTACH 

UK TEST 

YES 

US TEST 

NO 
SKIN AT 4l"r SI'AR ATTACH YES YES 
SKIN AT ROOT RIB ATI ACH YES NO 
SKIN AT RIVETED RIB A ITACH YES NO 
SKIN DRAIN HOLES YES NO 
SPAR FLANGE (59'J SI'AR 1 YF.S NO 
REAR SPAR LOCK LUG BORE YES NO 
REAR SPAR LOCK IXC ROOT RADIUS YES YES 

CENTRE WING 

WING FOLD RID #l.< LI G BORE YES NO 
WIN« FOLD RIB #14 LUG ROOT RAD YES NO 
Bl. 1 .US PYLON HOLE YES YES 
CENTRELINE SPLICE PLATE YES NO 

5.2 (JR.Mk.5 Main Airframe Fatigue Test (MAFT) 
Philosophy 

The possibility that undesirable life enhancement 
effects may be introduced by the 
"worst-point-in-the-sky" spectrum had been 
recognized by NAV'AIR at the time of the AV-8B 
test, hut the high loads in the "Mean +  3o" spectrum 
were considered to occur with sufficient frequency 
not to produce these effects. 

The UK Authorities were clear, though, that a second 
fatigue test of the structure was necessary to UK 
requirements and to a RAF normal acceleration 
spectrum. In 1980. B«e and its subcontractor. 
MC AIR. began work on the initial proposal for the 
new fatigue lest scheduled to start in June 1985. The 
test would be carried out at MCAIR St Louis and 
utilize much of the AV-8B FSDFT hardware. 

While work progressed towards the test set up. the 
MoD became attracted to the idea of postponing the 
test start date for severai years to allow time for 
in-service loads to be obtained from the early years of 
operations. This strategy held a further benefit in that 
more consideration could be given to the clearance 
route for the CFC structures of the airframe. 

It was estimated that a delay in testing of. say. 6 years 
would require an interim clearance ol at least 1500 
safe hours to allow RAF operations to proceed 
without interruption. To this end. a detailed study was 
undertaken by the RAE(F) to quantify the read-across 
that migr' be obtained from USMC flying and the 

* 
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AV-8B FSDFT. 

Unfortunately, at that stage RAE(F) could underwrite 
an interim of 1000 safe hours only and the case for a 
delay in testing was severely undermined. In the light 
of this constraint, the MoD. RAE(F) and B Ae agreed 
that the test should proceed without waiting for 
in-service load data. The thorough US development 
programme for the CFC components was deemed 
sufficient to qualify the structures in RAF usage and 
modification of the test loads for this purpose was 
judged neither desirable or necessary. The test would, 
therefore, be to traditional UK conditions, namely: 
realistic loads, a duration equivalent to five times the 
required safe life and clear metallic components of 
the airframe only. 

The 'g' spectra for each Harrier GR.Mk.3 SPC 
coupled with the GR.Mk.5 utilizations in Table 6 
were used to assemble an overall normal acceleration 
spectrum for the GR.Mk.5. In contrast to A V-KB. the 
exceedance values at each 'g' level in the overall 
spectrum were purely 'mean'values with no 
allowance for variation in the sample. 

It will be seen that approximately SOVi of the 
GR.Mk.5 usage comprised low-level and/or «round 
attack. This coupled with minor adjustments to the 
'g' spectrum to account for predicted performance 
improvements of the GR.Mk.5 in ground attack and 
combat, led to the severe normal acceleration 
spectrum, which is shown in Fig !2 and compared to 
spectra from related aircraft. 

® 

*) 

Further reappraisal of the test programme led to the 
transfer of the test from its proposed site in St Louis 
to the new BAe Structural Test Facility. 

5.3 Generation of the GR.Mk.5 MA FT leadings 

5.3.2 Generation of Manoeuvre Sequence and Loads 

As with the AV-8B FSDFT, the MAFT hwd spectrum 
was to be a flight-by-flight sequence. Extensive use 
of the technology developed for the Hawk T.Mk.l 
fatigue lest was employed in its derivation. 

5.3.1 Normal Acceleration Spectrum 

The normal acceleration spectrum was derived from 
RAF usage data of the Harrier GR.Mk.3 fleet. The 
RAF had compiled a draft Statement of Operating 
Intent (SOI). Ref 9. which set out the planned usage 
of the GR.Mk.5 in terms of 13 sortie profile codes 
(SPCs). The SPC descriptions in the SOI were 
compared, according to flying intensity, with the 
seven SPCs flown by the existing GR.Mk.3 fleet and 
an approximate read-across table generated. This 
correlation of SPCs is summarized in Table 6. 

TABLE 6: HARRIER GR.MkJ and GR.Mk.5 
SPC CORRELATION 

CRJ 
SPC SPC 

GR.5 EQUIVALENT 
GROUPING DESCRIPTION* 

% Usage 
tiR.5 GRJ" 

I A Display 0.5 0.5 

2 BCj Air Ten), General Handing, IF 10.5 8.9 

3 DM Firry, VSTOL Practice 35 12 3 

4 EK LI. Nav/Rtcce or SAP, Hi-lo Navo 30.5 26.9 

5 FLH SAP, TK Recce with bounce. 
Weapon Training 

42.0 28.0 

6 I Air Combat Manoeuvring 5.0 21.8 

7 G Ultra Low Level Flying 8.0 1.0 

The exceedances in the cumulative normal 
acceleration spectrum were de-accumulated and the 
counts sub-divided into component flight profiles. It 
was known that a typical RAF sortie would consist of 
climbs, descents, cruise at various heights and an 
active phase comprising ground attack and'or air 
combat. For each flight, the 'g' counts were arranged 
in a sequence according to these phases of the sortie 
and manoeuvres assigned to each count. The 
manoeuvre set was an adaptation of those developed 
for the Hawk T.Mk.l full scale fatigue tes! 

A typical manoeuvre sequence is shown in Table 7 

An awareness of the need to formulate a spectrum 
which would simulate in-service conditions as far as 
possible directed all stages of the spectrum 
development process. An example of this philosophy 
was the retention of a large number of gust loads in 
the manoeuvre sequence, in spite of damage 
calculations which indicated they would not cause 
fatigue problems to the structure. 

Once the manoeuvre sequence had been finalized, the 
major component loading generated by each 
manoeuvre was determined from flight simulation 
and loads model data. Again, the degree to which load 
sequences were idealized for test purposes was 
guided by the need for a representative spectrum. 

• • 

• • 
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TABLE 7: TYPICAL MAFT MANOEUVRE 
SEQUENCE 

SORTIE CODE C (QF1 Check) 

'g" Manoeuvre Type 

•  Ground Condition 

2 Atmospheric Gust (Up) 
0 

4 Maximum Rale Turn 
1 
2 Atmospheric Gust (Up) 
I) 

5 Tight Turn 
I 
3 Loop 
1 
3 

0 Atmospheric Gust (Down) 
2 
1 
4 Roll Oil The Top 

1 
4 Tight Turn 

1 
4 Hall Roll and Pull Through 
I 
3 Vertical Roll 
0 
3 

-1 Atmospheric Gust (Down) 
3 
1 
- Ground Condition 
- Ground Condition 
- Ground Condition 
END 

In contrast to the fixed, 90^ symmetric / KM 
asymmetric, randomized load sequence of the AV-8B 
FSDFT the GR.Mk.5 MAFT loading was based on a 
full manoeuvre simulation - the majority of 
manoeuvres having some asymmetric load content. 

A summary of the derivation procedure is given in Fig 
13 

5.3.3 Plight Condition 

The loads of the GR.Mk.5 MAFT were based on the 
(Tight conditions, stores configuration, mid-sortie 
mass and fuel state shown in Table 8. all of which 
were representative of average service usage. 

TABLE 8: HARRIER GR.Mk.5 TEST 
CONDITION 

Configuration 

Aircraft Mass :211901b 
Fuel State : 60<7< internal fuel 

Fuselage Stores : Guns (no ammo) 
Centre-line pylon 

Wing Stores: 
Inboard pylon + CBLS Mk.3 + 4x3 kg bombs 

Outrigger pylon + AIM-9L + LAU-7 
Intermediate pylon 

Outbo.trd pylon 

Right Conditions 

Mach No.      Altitude eg 

0.65 
0.85 

Sea Level     10.20* MAC 
Sea Level     10.2(W MAC 

The manoeuvre loads were predominantly based on 
the 0.65M flight condition. It was found that this 
condition resulted in a very benign rear fuselage load 
spt-'tnim and a second test condition at 0.85M was 
needed to ensure that the tailplane and rear fuselage 
were more fully exercised by the test. 

Fig 12 showed the severity of the GR.Mk.5 normal 
acceleration spectrum compared to that of other 
aircraft, including the AV-8B. The picture is 
somewhat different when the GR.Mk.5 and AV-8B 
bending moment spectra are compared. Fig 14. The 
0.95M point in the sky of the AV-XB results in far 
more severe wing root bending moment values than 
the more benign case selected for the GR.Mk.5. 

5.3.4 Repealed Programme Duration 

The length of the repeated test ioad programme 
chosen for the GR.Mk.5 MAFT »» 25 equivalent 
Hying hours (EFH) - based on Hawk T.Mk.l 
experience. Thi> was considered by BAe to he a 
suitable length for test control and analysts purposes, 

while being of sufficient duration 11 restrict the 
possibility of bias due to the inadvertent introduction 
of hidden sequence effects. It was considerably 

shorter than the 1000 hour repeated spectrum chosen 
for AV-8B testing and some debate took place with 
RAE(F) on the relative merits of long and short 
programmes. 

ft 

f> 
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It was concluded thai limit programmes arc necosary 
lor transport aircraft where the Might load histories 
contain distinct load events, hut are less important lor 
the complex load histories of comh.it a.rcr.ill 

The shorter programme length of the GR.Mk.5 also 
reflects a subtle difference in the aims of the UK and 
US tests The UK test is used, not only to establish 
the safe life limit of the airirame. but also to provide 
a comprehensive basis for the support of the aircraft 
in-service. Structural modifications and repairs 
identical to those used in-service are applied to. and 
liled by. the lest. A prolonged tesi programme 
complicates read-across to the fleet - latigue life 
assessments are more easily accomplished by 
reference to repetitions of a short programme than by 
fractions of a lengthy programme. As the emphasis of 
US testing is more tuned to the quick and early 
determination of the ultimate safe life, this 
complication is not as relevant. A long programme 
may be adopted, thus avoiding the inevitable 
'rounding' adjustments caused by the use of a short 
spclrum to represent all in-service flying. 

5.4 MAFT Experience 

This serves .is a reminder that test loads are inevitably 
idealizations of reality and involve certain 
compromises Where the aim is for a "worst" rather 
than a representative case, there w ill always be a ri-k 
that the over-testing ol the major part of the airframe 
will he .tccomp.inn.ti bv .in dndesireJ side-effect of 
local under-testing 

5.5 Extent of Clearance Gained frwm MA IT 

The MAFT is the comer -tone to the fatigue clearance 
of the Harrier GR.Mk.5 but. in emmon »ith the 
AV-XB and all full scale fatigue tests, the extent to 
which the components of the structure .ire tested 
varies. 

Among the major airframe components not fully 
cleared by the MAFT is the tailplane Unlike the 
AV-XB FSDFT. a tailplane is fitted to the MAFT - 
but the loading applied is derived from quasi-steady 
stale manoeuvres only and coii'ains no allowance for 
vibration loading. This consideration i- particularly 
important to the tailplane which, due in part to the 
unusual engine thrust configuration of the Harrier. 
experiences significant vibration loads. 

g> 

* 

The MAFT was eventually commissioned in May 
1990 and has now reached 9500 equivalent flying 
hours out of the scheduled 30000 equivalent flying 
hours. There have been a number of incidents on the 
test which were not presaged by the AV-XB FSDFT 
findings. 

An interesting incident was discovered at 7000 hours 
when the starboard wing forward attachment fitting 
failed. Cracking in the aft outboard base of the 
titanium fitting caused total separation of one of the 
attachment lugs. Fig 15. 

It was readily apparent from a comparison of the 
fatigue loadings in this region why the fitting 
remained intact on the AV-8B test, while failure was 
more likely on the GR.Mk.5 MAFT. The attachment 
arrangement on the wing rib is shown in Fig 16. The 
distribution of loadings between the three 
attachments for the GR.Mk.5 and AV-XB up-bending 
cases is compared in the table in the lower half of the 
illustration. Under the AV-XB case the centr; and 
rear attachments are in tension but. due to the aft CP 
position of WB01. the front is in compression Since 
the majority of positive 'g' loadings on the AV-XB 
FSDFT were derived from this condition, the fitting 
was subjected to a most benign fatigue spectrum. In 
contrast, the GR.Mk.5 up-bending load condition 
placed the joint in tension and so the fitting was 
exercised more vigorously. 

A large proportion of the tailplane is fabricated from 
CFC malarial and. in common with other CFC 
components, this portion of its structure is considered 
to have an infinite life. A sate life must be obtained, 
though, for the metal constituents of the structure. 

A detailed examination has been made of existing 
data provided by the development testing of the 
AV XB. The differing US requirements have (»roved 
a fundamental barrier to read-across of lives from 
AV-XB tasting. Once the results of the AV-XB 
FSDFT were deemed inappropriate for clearance of 
the GR.Mk.5, then much of the supplemental testing 
and calculations, which were also based on the 
worsl-point-in-the-sky tenet, were necessarily 
unacceptable to the UK Authorities. (Inly in regions 
where testing had been extended beyond the "two 
lifetimes" standard was there any possibility of 
obtaining a satisfactory read-across. 

Another factor which contributed to the difficulties of 
read-across on the tailplane was the lack of reliable 
loading spectra for the GR.Mk.5 components While 
there was a high degree of confidence that the 
manoeuvre simulations were accurate, detailed 
loadings on control surfaces were not known. The 
lack of such data was a prime reason for delaying the 
MAFT until such time as in-service loading data 
could be incorporated into the spectrum. Once a 
decision had been taken to proceed with the test 
without delay then the possibility of a more 

• 
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iumpftthcnMve clearance disappeared 

A thiral pruMein in re.id .im« i.ikiii.Uioiis .dluaicd to 

»hen discussing the KiOl S ap|>ro,«ch lodc»ign »a» 

the difficulty in chimsnigan area l.»r latigue *.il>-i- 

Kull '»..ilc fatigue tests aiv ncei, d because i! i» -o 

difficult lopa-vlKi where 1.Higiiecracks may initiate 

The result» .'I   \\ sii eompitiieni testing »ereoi iv' 

iirc.il assistance in tin- respect as te» taiigue l.nlurcs 

ivcurred 

A programme i» now MI hand to ohi.un loading data 

Iri >in flight testing .nut to a,arrv »tut .KMIII-MI.II testing 

ol Ihc lailpl.me ,aut other c* nnpunenls not covered hv 

MAr-T The flight test ntca»uremenl- »ill provide 

niagiiiltule- o|  lo-iding l'>r the IC-! hui the average 

oeeurreikc» ot these loads during RAh operations 

»tl! luve It» he estirtntted it 1* e*f»ected 1h.1i in n-n kc 

J it.i collected Iroin the FMOS  « Section 5 7i »ill 

he used I" CKittirnt ihc accuracy O| the .i^^umcil 

»ipeitrum 

I'ittK'-H.il» luve hevfl somewhat more prolonged 

1h.u1 originally »ttppo*ed and .in inienm cle.ff.ince 

route h.i-ed <>n fatigue ;»redic!ion eakulalitins »ill he 

neces»ary to cover «onuiiuctl living ol the .urtr.ili 

prior to completion it) ihi» .nkliti.Mi.il testing   The 

uncertainty inherent 11 life prediction» »ill he 

reflected in the adoption ol eon-ervalive s.iiety 

lactors »fikh »ill le.nl to lo» but. it 1- hoped, 

acceptable live» 

5.* Summar> of A\ -KB am! OR Mk.5 T«l 

ChibKophirs 

The IS test 01 the .iirtrame w.i> undertaken prior 1.' 

the aircraft'- entry into serv ice »ith the USMC and 

early enough i-allow iwxliiicattonsto ppiducltun 

component» in ihc event of tot lailure» There »a- no 

overriding concern lor ihe representative nature ot the 

te-i -pe. inim. 11 ».is a randomized sequence severe 

in terms o| latadwg and occurrences, intended to 

highlight latigue hiit-s|Kiis early enough to avoid 

eosth  in-senice modilnations 

OK Mk *> 10. «.re •■■«.• ihe Hamer T Mk .V i.»>k il.<r 

varHMis reasons* IS vears to cim*p!c!tf 

Experience 10 dale »uggcsi- that the I'K approach 

vk-'al- mote rehahlc ml.*rnialion jKml ihe fatigue 

perlorrnance ol ihe »tractate in -crvise   Tinted  J» it 

».f on the OR Mk S >.   si.irt .liter the urstalt ru» 

entered s-nkc it ha» die sij»nitkant Ji*-jdv.ifUage 

ihough ot heing jn.it-le 10 inMuerKe Jcsign ot the 

.iirvtali hehire lull ^.ile produ*ti«»n i» »elf under».t\ 

I'ruiated I'K re^ut^enients Ret it», no» tav.mr .m 

e.itlv  pre-pr.htiKiion f.iiieue v-! to .ip|*ro\iTTT.rte 

liMdings    »iih.il.ttei  mtc  .ksur.ile. lesi Kenelituii; 

iioni in-servke lo.i.i mc.i-uicnicni pt'>L*Mi,irtie'- 

5.7 KaliKur M<>nil.'i IIII; ItiVrvkr 

I ike it« -isicr ihe W  'iB the OR \»k ^ i-hileil »itti .1 

so||».ire l.iiigue rnctei    ?"he ViietiN  »t ^nttplK itv 

Lon\eniense .»rut !■'»  i|vr.iiu.j wosi oKt,nncl hv the 

u-e ol ,i laiiuue meiei ,irt iindeiii.ihle ^111 the -v-ieni 

1-  ik^enhel'.-"  tuthnvniu\   Pie   IPK'arc .   wrcd   • 

lilllilc»! .111.! iin.li.c u-.  'i. .■   •  i-l.kctl   'li 

.kJniiriislr.iiive pr.-vc.lirc   '   v-1 -urc the nr^r.iJ' -roic 

i-  worresilx irtteq^eicu i»\ "u I.I'.J.MIC nicici t -IIüILI 

Ihe loss ,.| ., KAh B;K, HICCI HI Hie ! «Mi inggcre.1 

the search lor .1 repl.tvcmcm   I the Ml ve.tr o|>l 

l.iligue itkMcT lev tin- '!■ L'\   -\ voiitri^utorv  *,iti*t.   ■■ 

lh.il .k-vuleni »,i   .1 th.ur.'c in ' -Ic   I Ihc Heel »huh 

had undermined the Tigiiiii Je.ir.iiKe  '^'.itnc.l Iroin 

'tie lull s»..,ie i.iii.'iie u-o   Ihc «implc l.iiieue nieier 

dul not .ilert ihc »peratoi  >r designet to the 

»it.isiriiphk implk.ili on- ■'! Ihcse changes 

Act mg on advice irom ihe RAM 1 'he RAl- -|i\itnil 

.1 retjuirefneni toi .1 .lev ^e ' "cvl Meet-»'de to IVPI.KC 

the taiigue meter *h\h »s    .i.!  .iu'oni.itk.tlly  in.i 

diresllv provide I.Hieiie m. ■''!' tw;. overage ol ail 

m.ifM .urtraim* v.Mlijs.r.en!    I>ue '•' 'he ».onverikMitlv 

».oricurrent  hine M.,IIV>   'I ihc -\ -tern level 'I'mcm 

,uid iin.r.UI prxlua.li "i  'lie  H.inierORMk s;.,.!rt. 

»as (.hosen .*^ ilk- -js MI. M 1 M tlu:.U-v ^c 

m 
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The OR Mk 5 MArT philosophy *.i-lotinded on 

tliltcrenl priikipies Ah<ive .ill. il eontornied 10 IK 

re»|uireti)enls thai enipiiasi/e the need to represent as 

exactly .1» posMhlc ilie aircraft\ average in-service 

loading env honmenl A lull live hletimc» ol testing 

is necessary lo cove' the effects of scalier and ensure 

an acceptably lo» risk of in-service failure This, ami 

a prevailing desire to ensure modilications ami 

repairs are incorporated on the specimen in a precise 

relleclion of in-service practice, act to elongale the 

real time-scale II is worth observing that Ihe AV-XB 

lest was complete within ft months, while Ihe lest of ,1 

from the earliest o'ikepiion   .1 ihe hiiiiMc 

Mainilttnng and (oiiipuiiifj  sv^iein   IAH S;    ",nn 

gauge lechnology ».»- vm-ulered 'he .iptiiuum Ki-i- 

to,- the system  In |MUMII.«  e\|viinketrom ,1 

comprehensive m.l   l.-ii.-e-'aWohed 1 if M 

programme, kiio»ii .1- si Ms , .itrieil out ,M; the 

RAf-"s Heel ot [...n.ido air« 1 all It ►! engendered ,1 

«.onvktion lhat strain L'.niLk-- »   .li-l pr. -v ule .1 m Ta- 

rel'iai'le means ,•! me asm in-.* -et\ -e load- »h.rn 

IllalirCal Ia-dinu|lla-     II -IIIJ II lla'a i   f \ :   11 iiiu-v-       B-\e 

who »erere-|s>nohk- |..| ifv tt1-1.rll.1In>;i .«I ihe 

h.ird»are on ihe OR Ms -  »i-re i.t-ke»! i-- s|w ilv 

• • 
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Uv.ilion-, lor the -Irani gauges 

li was known thai the system would he limited lo 16 
■-Ir.tin gauge channels, so a prime consideration in the 
selection of candidate locatKins was the need to 
measure broad loading actions rather than local loads 
or -trains at hot-spots. Tins would increase the 

opportunities lor read-across to areas of structure not 
initially identifiedas fatigue critical Quite severe 
constraints were placed on the number 01 suitable 
locations in this respect by the requirement to install 
gauges on all aircraft   Internal gauging of the wing, 
lor example, could not be effected within the 

production programme and a lull "Skopitiski" 
calibration exercise on each aircraft was impractical 
Further factors which influenced ihc pits it km of 
gauges were ease ol .«.cess for repair and. somewhat 

conCietingly. security from accidental damage 

extra care with these aircraft without adversely 
affecting overall servicing times. The system itself is 
maintained by BAc personnel so there has been no 
need for slran gauge expertise in the RAF Data 
generated b) the SUMS system .ire also pnicessed 

exclusively by BAe 

In these respects FMCS is a different prospect for the 
RAF. A knowledge and awareness of strain gauge 
technology i? under development and attention is 
now being paid to the storage and analysis of the vast 
amount ol data that will he generated by FMCS. 
Ultimately, there is little doubt that FMCS will he the 
RAF's mosi powerful fatigue management tool 

A. DKSIGN AND CI.KARANt K AGAINST 
KATKilK - HARRIKR T.Mk.lO 

*J 

The general arrangement ol the FMCS equipment is 
shown in Fig 17 The position ot the bridge 

conditioning modules, which are near to strain gauge 
locations.provide .ui indication of the structural 

coverage 

The prime purpose "I the FMCS i- lleet-wide laligue 
monitoring All processing necessary tor this task is 
earned out onboard the am.rail   Fatigue index values 
an- computed in real-lime and transferred aller tlighl 
to ground-based systems In mo-i instances further 
processing ,>t data on ihe ground will be unnecessary 

bul where re-analy-i- i- required sufficient 
part-processed data .ire traiisterTcd w iih the Fl v *lue- 
to .illow validation or retrospective .»diuslnienls to he 
made Incases where acce-k to raw data i-i-.evdcd. 
the l.icilily exisls to record u«|>rocCs-ed -liain gauge 
-unal» 

When FMCS enter- service  it I- likci\ lh.il il will play 
an important part in the - krarance »I the Major item- 
iiot covered by the MAFI   General levels ol I. .«! s.m 
be obtained lr>ni High! lest-, bin unlil ad.ilabasc ol 

Kn-service frequency >>| (vcurrence data i- 
accumulated, clearance »ill rv«t T assumed u-agc  In 
thi- quasi! iLM n>le. FMCS will  provide irk' lir-l 
comprehensive -el >tl in--ervicc -trKiiir.il usage data 
ever obtained lor any maik ol IK Harrier aircraft 

The choice to use -train gauge- "ii FMCS »a- ba-ol 
on the experience oi their useon fumadn where 
they have proved reliable, versatile .mil durable 
There .re differences ;r, the two -y-ter    though 

which lead lo certain areas ol risk lor FMCS The 
T.tniado SUMS system is lullv calibrated which ha- 
allowed many gauge- to be placed in area- aw.iy Ironi 
vulnerable attachment position- i inly eighi aircrali 
are instntmenled -o service personnel are able to take 

The RAF operated a number of two-seat Hamer 
variants alongside the HarrierGR.Mk3 aircraft in a 
demanding dual fighter trainer role Keen to maintain 
this operational format. Ihe RAF has ordered I.' 
T Mk 10 two-seat derivatives of the Harrier 
GRMkS 

There i- a high degree ol comtiioiiality between the 
T Mk 10 .UKI Ihe GR Mk 5. hut this procurement 
diller- in thai the new structure ol the T.Mk.lO has 
been designed to UK requirements. A direct purchase 
"off-the-shelf" of the USMC AV-KB trainer Ihe 

TAV-XB was precluded by Ihe significantly more 
exacting role specified for the T.Mk.lO The rear 
luselagc. ui particulai. has been strengthened in 
response to GR Mk 5 MAFT result- and instances 

iii-.ervice ol acoustic laligue damage 

A lull si ale laligue lest ol the T Mk III was Jeemed 

unnecessary due to the broad commonality of 
structure with the GR Mk 5 The most extensively 
-hanged structure i- ihe Ironi fuselage »Inch i- 
I annealed largely Ironi CFC material .aid has been 

nidged cleared by element testing earned out lor the 
TAV-XB antraft   ITie remainder ol the 'Metallic 
-tructure has been cleared bv BAe u-ing 
Nc'uher based K(DLS calculations incorporating 
laligue lile ;aclors ••! live lor areas -hared with the 
GR Mk S aircratt .md 10 lor new. enhanced structure 

7 ( (»Mil SIONS 

Whatever laligue analysis and te-l technique- ,ire 

adopted in ihe design .aid clearance ot metallic 
-ir.i-iure- an underlyingconsciousness inti-i be 
retained ol the impossibility of .«.curate fa'igiie life 
prediction Modem stre— .uialy-i- techniques have 

• • 
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removed some areas of uncertainty which had 
previously rendered many fatigue calculations 
worthless, but scatter in fatigue performance can not 
be eliminated. 

The introduction of stressing procedures which 
incorporate allowable fatigue stresses has provided 
an excellent means of promoting a general 
recognition amongst stress engineers of the threat 
metal fatigue poses to structural integrity. Bi'.l the 
principle adopted by HSA in the original design of 
the Harrier that high stress concentrations should be 
avoided rather than sanctioned by calculation must 
remain a priority in aircraft design. 

The experience from the early days of the Harrier 
through to AV-8B and GR.Mk.5 has shown the 
overriding importance to successful fatigue resistant 
designs of experience gained from forerunners, 
prototypes and full scale fatigue testing. For the 
foreseeable future, testing will be invaluable in 
locating those areas of the structure which are prone 
to fatigue cracking. Experience has shown that 
fatigue problems are fickle and defy designers 
attempts to anticipate them. 

The nature of test loadings and the duration of the test 
are areas where US and UK philosophies diverge. 
However, it is not unreasonable to regard the AV-XB 
and GR.Mk.5 tests as complementary parts of an 
overall programme which has yielded benefits for the 
USMC and the RAF. Depending on the objective of 
the test each approach has its merits. A short, sharp 
test is useful at the early design stage to highlight 
particularly poor design features which should be 
deleted before production is underway. A more 
prolonged lest, where every attention is paid to the 
simulation of actual operations, is essential if reliable 
indications are needed of likely fatigue problems 
in-service. 

An area where US and UK authorities agree is the 
treatment of CFC components. CFC materials 
exhibit a larger variability in mechanical properties 
than metals and are more susceptible to adverse 
environmental conditions. For these reasons a full 
scale fatigue test of the airframe is not a viable 
clearance route for CFC structures. Qualification is 
achieved incrementally through testing of 
progressively more complex elements and 
substructures. Routine inspection of the CFC 
structure in-service provides additional assurance that 
structural integrity is not compromised by this 
concession. 

There is also general recognition that the fatigue 
meter is no longer able to monitor fatigue usage on 

modern, highly manoeuvrable combat aircraft. There 
is no firm consensus, though, on the most suitable 
means of broadening the fatigue monitoring 
envelope. The UK Authorities strongly Relieve strain 
gauges are essential to establishing the accurate 
loading histories on major airframe components, 
while others consider that load predictor equations 
are satisfactory.   But there is no doubt that either 
option will reduce the penalty incurred by the 
continued use of the fatigue meter - whether it he 
unecessarily massive structure or reduced operational 
safety. 
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9. ABBREVIATIONS 

BAc British Aerospace 
CFC Carbon Fibre Composite 
DLS Design Limit Stress 
DLL Design Limit Load 
Fl Fatigue Index. A non-dimensional 

number which, via damage calculation. 
is used to quantify severity of loading 
relative to a defined datum (normally a 
full scale fatigue test spectrum). 

FMCS Fatigue Monitoring and Computing 
System 

FSDFT Full Scale Development Fatigue Test 
HSA Hawker Siddeley Aviation 
Kl Geometric Stress Concentration 

Factor 
MAFT Main Airframe Fatigue Test (GR.Mk.5 
MC AIR McDonnell Aircraft Company 
OLM Operational Loads Measurement 
RAE(F) Royal Aircraft, later Aerospace. 

Establishment (Farnborough) 
RAF Royal Air Force 
S-N Stress-Endurance 
SOI Statement of Operating Intent 
SUMS Structural Usage Monitoring System 
USMC United States Marine Corps 

*J 



^/ 

17-16 » 

A) 

Figure 1. The Hawker Siddeley Kestrel 
•        • 
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Fatigue Design Condition 
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Figure 4. AV-SB Normal Acceleration Spectrum •        • 
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Complete Separation of Port Attachment lug 
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Figure 7. AV-8B Forward Fir Fitting 
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FATIGUE DESIGN, TEST AND IN-SERVICE EXPERIENCE OF THE BAe HAWK 

John O'Hsra 
Structures Unu 

British Aerospace Defence Ltd., 
Brough, North Humberside HU15 1EQ 

United Kingdom *l 

SYNOPSIS 

The BAe Hawk family is designed primarily to UK 
regulations, including the safe life S-N fatigue philosophy. 
S-N data pertinent to key structural features was assembled 
at the design stage, and fatigue coupon / element tests were 
conducted in confirmation. The Hawk TMk.l Full Scale 
Fatigue Test (FSFT) has continued to lead the RAF fleet, and 
the test loading has been validated by a major Operational 
Loads Measurement (OLM] exercise. Incidents arising on 
the FSFT or in-service are handled by several approaches 
including S-N and fracture mechanics calculations, testing, 
statistical analysis, and modifications and / or routine 
inspections are introduced when necessary. The development 
of the fatigue life clearances of the BAe Hawk family is 
discussed with particular emphasis on the confirmatory 
testing and in-service loads measurement necessary to ensure 
and maintain fleet aircraft fatigue life clearance. 

1. INTRODUCTION 

The current new derivatives of Hawk are developments of a 
successfully established aircraft, the Hawk TMk.l. 
Developments in engine, airframe, and avionics technology 
have enabled the design to progressively meet market and 
customer requirements for ever greater capability, reliability, 
and low maintenance costs. The design has evolved to 
include a naval version with carrier capability, together with 
operationally capable single seat and twin seat variants. The 
structural problems posed encompassed both the static and 
fatigue/fracture aspects, often leading to the need for extensive 
analysis and confirmatory test programmes. The Hawk Full 
Scale Fatigue Test (FSFT) has to date proved successful in 
identifying areas requiring modification and/or routine 
inspection, and it is noteworthy that no Hawk aircraft has 
been lost due to structural failure. Validation of the FSFT 
loading spectrum was obtained from the Hawk TMk.l 
Operational Loads Measurement programme which 
comprised more than 400 flights covering the range of 
aircraft utilisation. This paper discusses the treatment of the 
fatigue life clearance of the Hawk TMk.l, by calculation, 
lest, modification, inspection, and monitoring. The fatigue 
clearance of the naval T-45 Goshawk, designed to Mil Spec 
regulations and presenting different structural challenges, is 
also discussed. 

2. HAWK TMk.l DESIGN REQUIREMENTS 

Specification 281 D&P was issued by the Controller for 
Aircraft in March 1972. and was strongly based on the 
requirements of (1). It called for a new tandem seated jet to 
cover the course of training between basic and OCU 
(operational conversion unit) stages, encompassing general 
handling, instrument flying, navigation, formation flying 
and weapons training. 

Emphasis was placed upon the need for low operating costs 
and high reliability, and this was reflected by the stringent 
fatigue requirement for the primary structure of 6000 flying 
hours, factor 5, to the spectra of Figure 1, with a design aim 
that this be inspection free. Furthermore, it was specified that 
all aircraft equipment should comply with the vibration 
requirements of (2). 

.1 1 10        100 
Counts per flying hour 

Figure la 
Hawk T-Mk.I Normal Acceleration Design Spectrum 

100 T 

.001       .01        .1 10 
Counts per flying hour 

Figure lb 
Hawk T-Mk. I Fin Fatigue Load Design Spectrum 

100 

Presented at an AQARD Meeting on An Assessment of Fatigue Damage anil (rack (irowth Prediction Techniques', 
September /W.?. 
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3. HAWK T-Mk.l DESIGN PROCEDURE 

The structural analysis of Hawk followed rules and employed 
methodologies which are current today, of note was the early 
use of finite element modelling in the form of the force 
method. 

Fatigue was an important consideration in the structural 
design and special attention was paid to the selection of 
materials possessing good resistance to crack initiation, 
stress corrosion and crack growth. Titanium interference-fit 
fasteners were specified in key wing and fin areas, particularly 
skin to spar connections, and the one piece integrally machined 
wing skins minimised the number of possible crack initiation 
locations. Furthermore, the low wing configuration placed 
the wing to fuselage attachment links principally in 
compression during flight, thus conferring good fatigue 
resistance. 

Fatigue analyses were based on traditional Miners S-N 
methodology, combined with elastically calculated bolt load 
distributions where appropriate. Design spectra, including 
those of Figure 1, were derived from detailed data and 
operating experience on RAF Gnat, Hunter and Harrier 
aircraft, covering the planned RAF Hawk training schedule 
ranging from general handling and low level navigation 
exercises to advanced weapons training and air combat 
practice. Fatigue clement and coupon tests were 
commissioned to confirm the rJiguc design of key structural 
features such as the wing centre line joint, Figure 2, including 
assessment of life sensitivity to possible build tolerances and 
the effect of interfay. 

Vibration analyses were performed to the Category 4 levels 
of (2), which were reflected in all pertinent aircraft equipment 
procurement specifications. 

T-45 A Goshawk, in the Brough Structural Test Facility. The 
Hawk TMk.l FSFT configuration is along similar lines. 

T 1 

Fig. 2 ■ Wing Centre Line Joint Fatigue Test Specimen 
commissioned during the design stage 

4. TEST CONFIRMATION OK HAWK TMk.l DESIGN 

Static strength testing of the airframc was performed on a 
TMk. 1 aircraft structure, with the tailplanc andaueren tested 
separately. Figure 3 shows the test wing and fuselage at the 
preparation stage prior to assembly. Note the fitment of load 
pads to enable load application via hydraulic jacks and wit fie 
trees. Over 700 strain gauges were fitted to the test article to 
enable maximum information to be derived, including 
comparison of theory with practice and assessment of 
variation in structural response with load level. In general, 
the test article demonstrated more than adequate static 
strength, indicating substantial scope for future growth. 

The TMk.l Full Scale Fatigue Test (FSFT) indicated that the 
design was sufficient to meet the design requirements, whilst 
suggesting that fatigue enhancement of the wing was 
necessary to provide scope for significant service life 
extension, and for the mass growth that would ensue from 
uprating the aircraft's capability. Figure 4 shows the 
installation of the FSFT for the naval Hawk version, the 

Fig.3 - Hawk T-Mk.l Static Strength Article prior to 
assembly and test, at British Aerospace, Kingston 

Fig.4 Installation of Goshawk full scale fatigue test 
article, at British Aerospace, Brough 

5. HAWK T-Mk.l VIBRATION OLM PROGRAMME 

Thirty-four accelcromctcrs were fitted to the first production 
Hawk, XX154, sec Figure 5. Recordings were taken over a 
twelve flight programme, and power spectral densitiesderived 
for particular flight conditions at different structural locations 
for a variety of aircraft configurations, see Figure 6. This 
work led to the construction of equipment procurement 
vibration spectra for different zones of the aircraft, and these 
arc still m use today. 

Not to Scale 

Not to Scale 

Fig.5 - View:, showing the aicelcromeler locations for 
the Vibration trials aircraft 

«) 

• 

• • 
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Fig.fa ■ Hawk Vertical Vibration PSD during turn into Buffet 
Note: Window 4Hz 
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Fig.6a - Hank Vertical Vibration PSD during turn into Buffet 
Note: Window 4Hz 

«.HAWKTMk.l OPERATIONAL LOAD MEASUREMENT 

The TMk.l OLM programme was one of several, including 
Tornado, Jaguar and Buccaneer, lo be commissioned by the 
UK Ministry of Defence in the early 1980's. The principal 
aims were :- 

(a) to compare the Hawk TMk.l FSFT loading with in- 
service loading at specified structural locations, including 
confirmation of the efficacy of the wing fatigue meter 
formula. 

(b) to identify particularly damaging flight regimes. 

* 1 OLM Instrumentation 

The programme employed two instrumented aircraft and 
encompassed more than 400 flights covering the range of 
Hawk TMk.l utilisation. A Plessey Structural Usage 
Monitoring System (SUMS) was installed in each aircraft, 
recording 14 strain gauge bridge outputs (see Figure 7) and 
16 aircraft parameters (see Table l)on one C90cassette tape. 
Flight durations are typically one hour, and the following 
measures were introduced to maximise the amount of useful 
recorded data :- 

(a) the recording system start-up was delayed until selection 
of 95% throttle angle setting, as opposed to engine 
switcn-on, to minimise pre-flight expenditure of recording 
time, which was limited to 67.5 minutes at full sampling 
rates. 

(b) a data compression facility was incorporated, with the 
SUMS equipment automatically selecting either fast or 
slow recording rates dependent on flight conditions. A 
low sampling rate (data compression) was used for those 
parts of a flight which result in structurally insignificant 
conditions. The decision to switch from the full recording 
rates ofTable 1 occurred when relevant trigger parameters 
fell below preset threshold values. 

hig.7 - Hawk OLM Strain Gauge Locations 
Refer lo Table 1 for details 

The strain gauges of Figure 7 were located as for the Hawk 
TMk. 1 FSFT to provide readacross and to facilitate meeting 
the two principal aims 6(a) and 6(b) above. The low stress 
gradient nature of the gauge locations, together with the 
good accuracy of properly installed modem day strain gauges, 
the checks provided by two identically gauged aircraft, and 
consideration of cost led to the decision not to load calibrate 
the OLM aircraft. This decision proved, in the main, to be 
reasonable. However, the collection and analysis of a very 
large body of data often involves dealing with surprising or 
conflicting information, which only strain gauge load 
calibration may be able to resolve. One of the conclusions of 
the programme was that load calibration should be included 
in future OLM exercises. 

® 

*J 

• • 

• • 



18-4 

Symbol Location / Parameter Sampling Rate 

SOI Taiiplane Port Top Skin 32 
S02 Tailplane Starboard Top Skin 16 
S03 Taiiplane Jack Hor 16 
S04 Fin Front Spar Root 16 
S05 Fin Rear Spar RooT 16 
S06 Port Wing Auxiliary Spar, Web 8 
S07 Port Wing Front Spar, Rib 1 -2 8 
S08 Port Wing Rear Spar, Rib 1 -2 8 
S09 Port Wing Front Spar, Rib 7 16 
S10 Port Wing Rear Spar, Rib 8-9 8 
S11 Starboard Wing Front Spar, Rib 7-8 8 
S12 Starboard Wing Rear Spar, Rib 8-9 8 
S13 Top Longeron Port, Frame 12-14 8 
S14 Top Longeron Port, Frame 20-21 8 
S15 Fin Front Spar Root - Reversed - 
S16 Fin Rear Spar Root - Reversed - 
S17 Tailplane Hinge Port 
S18 Tailplane Hinge Starboard 

NAC Normal Acceleration 8 
IAS Indicated Airspeed 2 
ALT '      Pressure Altitude 4 
LAC Lateral Acceleration 8 
TPA Tailplane Angle 8 
AAP Aileron Angle - Port 8 
AAS Aileron Angle - Starboard 8 
RUD Rudder Angle 8 
FLA Flap Angle 8 
P6 '      P6 8 
THA Throttle Angle 8 
VAS Vertical Acceleration - Starboard Wing 8 

CWP Central Warning Panel       ) 1 
UND Undercarriage Down          )     F 

Airbrake Position               ) 
1 

ABP 1 
UNU Undercarriage Up              } 1 

•) 

Notes:-    1. Sampling rates are quoted in samples per frame. The SUMS equipment records at 2 frames per second. 
2. The sampling rates given apply when the SUMS equipment is operating in uncompressed mode. 
3. Gauges S15, S16, 517 and St 8 are strain gauge outputs derived from other strain gauges. 
4. * - Parametsr which is part of the standard ADR system. 

Table I - Hawk OLM Measuremem Dennis 

62 Analysis Procedure 

Comparison of in-service fatigue loading with that of the 
FSFT was performed using S-N damage calculations at each 
of the strain gauge locations. Mean S-N curves were selected 
to represent the structural feature monitored most closely hy 
each strain gauge on the basis of shape, such as high or low 
load transfer. They were set to predict either actual FSFT 
arisings, or imaginary incidents upon the application of the 
next FSFr loading cycle, using rainflowcd strain histories. 

()n completion of each OLM flight, the C90 cassette was 
despatched to BAc Brought together with the appropriate 
MoD form 725 giving details oi mission type, aircraft 
configuration, take-off and landing weights together with 
fatigue meter readings. The cassette was replayed and copied 
to disk, and a quick look chart containing a plotted time 
history of each strain gauge and aircraft parameter produced. 
A portion of a typical quick look chart is shown in Figure 8. 
Corrupt data, including spikes and dropouts, were removed. 

a;id each strain gauge history rainflowcd prior to dedicated 
S-N analysis. The use of S-N curves fitted to FSFT 
performance, as discussed above, enabled direct comparison 
of in-service and FSFr damage rales, thus providing 
confirmation of the fleet clearance conferred by the FSFT. 

"■....-,— -»'•■- 

.Jf A,  

Time   ^M.n VS«x: Time    n Mm 47 Sac 

Fig.H - Segment of Hawk OLM quick took chart 

•     • 



Fatigue monitoring of in-service Hawk TMk.l wings is 
provided by a fatigue meter, which cumulatively records 
exceedances of discrete normal acceleration levels, and is 
located close to the centie of gravity of the aircraft. Figure 9 
indicates the variation of incremental bending moment with 
wing span location, due to rolling during asymmetric 
manoeuvres, leading to the lowering of the allowable wing 
fatigue stress in the outboard direction when the flight 
spectrum is not solely symmetric. 

0.0      0.4  0.8   1.2   1.6   2.0  2.4   2.8  3.2   3.6 
Wing Span (metres) 

u 
o « 

— 2 

if 
<U. 

Wing Lateral Station (metres) 

Fig.9 - Effect of Wing Spectrum Asymmetric Content 

Therefore, since the fatigue meter records only the symmetric 
acceleration component, Nz, of any particular manoeuvre, it 
was important to establish that the fatigue damage rates per 
F.I. (wing fatigue accruemem is measured by the fatigue 
meter in terms of Fatigue Index units), calculated for each of 
the FSFT wing strain gauge histories, were at least as great 
as those inferred from the OLM strain gauge measurements. 

6 J Analysis Results 

The analysis conclude that the fatigue meter was in fact 
adequately monitoring the aircraft, inferring sufficient 
asymmetric manoeuvre content for the FSFT loading 
spectrum. 

The analysisalso showed that the FSFT fin loadingadequately 
covered the most damaging normal service usage, again 
supporting the degree of asymmetric content within the 
FSFT loading spectrum. 

The position regarding the fuselage and lailplanc was less 
clear cut. Inspection of tailplanc strain gauge flight traces 
showed significant vibration activity during certain mission 
types, which was surprising in view of the length of time the 
TMk.l had been in service bearing in mind it had not been 
reported by any aircrew. Analysis highlighted three main 
vibration modes and calculation indicated that such loadinp, 
whilst not particularly damaging in real terms, substantially 
undermined the then achieved FSFT tailplane clearance. A 
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special empennage OLM vibration trial was commissioned, 
employing much higher digital recording rales as well as 
analogue measurements to ensure that the vibration 
mechanism was properly understood. Figure 10 illustrates 
the problem of selecting digital sampling rates for strain 
gauges in vibration environments, highlighting the possibly 
serious underestimation of strain magnitudes produced by 
slow sampling rates. The results of this special programme 
formed the basis of the Interim FSFT which brought the 
clearance of both tailplane and fuselage up to that of the fin 
and wing without incident, as predicted by calculation. 

20 

15 

? 5 

CL 

%   0 

-10 

Digitally tillered and sampled 
lo simulate OLM 

Analogue Data    Digitally fikered 

Time Seconds 

Fig. 10 - Comparison of OLM & 
Analogue Derived Response to Buffet 

In general, substantial scatter was observed between damage 
rates calculated from nolionally similar flights. This scatter 
was evident over the full range of mission types, justifying 
the large number of 400 successful flights specified at the 
outset of the programme. 

It is likely that thi scatter within specific mission types arose 
principally from two main sources :- 

a) nalur?.ily occurring differences between similar flights. 

b) insufficiently precise mission labelling. 

Mission identifiers, known as Sortie Pattern Codes (SPC), 
may each encompass variations of one particular flight type, 
and, bearing in mind the marked sensitivity of calculated 
fatigue damage to changes in load levels and utilisation 
profile, one may deduce ihat b) above may contribule 
significantly to the total scatter. Possibly, greater focus of 
mission descriptions would reduce such uncertainty. 

7. POST OLM ANALYSIS 

Following the successful conclusion of the Hawk TMk.l 
OLM programme, attention was focused on the unmonilored 
structure, which attracts an additional life factor of 1.5 
compared with structure monitored by the fatigue meter, (3). 
Since fatigue damage accniement varies markedly with 
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uülisaüon, and given the large body of data covering key 
structure over the full range of TMk. I utilisation, analyses 
were conducted to establish whether monitoring of the wing 
only was adequate. These analyses showed that the usual 
additional unmonitored factor of l.S was adequate for the 
tailplane and fuselage where stress levels were sufficiently 
low. However, it was considered prudent to introduce passive 
monitoring of the TMk.l fin, using OLM derived damage 
coefficients foi each SPC, to cater for those fin structures 
which might be subject to utilisation spectra markedly 
departing from the design specirum. Consequently, a SPC 
dependent fatigue damage formula has been issued for in- 
service Hawk TMk.l fins. 

Current MoD pol icy is moving towards retention of the 1.5 
additional factor in cases where an OLM programme has 
been conducted and regularly revalidatcd (4), increasing: ais 
factor in the absence of such programmes. Conversely, (4) 
discusses the possibility of reducing the 1.5 factor in cases of 
OLM derived passive monitoring. Note however that this 
alleviation has not been introduced for Hawk TMk.l fins. 

Further Hawk TMk.l OLM programmes are likely to be 
commissioned as circumstancesdictate, either in response to 
marked changes in utilisation, or as data collection exercises 
in pursuit of solutions to specific fatigue problems. 

8. TREATMENT OF FSFT AND IN-SERVICE ARISINGS 

Where the test loading has been representative, a!i significant 
fatigue incidents so far have arisen first of all on the FSFT. 
One recent arising, currently under investigation and 
involving several separate boll failures, may be caused by 
tensile residual stresses induced by heavy asymmetric 
landings. This class of residual stress problem, induced by 
occasional overloads outside the scope of the fatigue design 
spectrum, is difficult to identify on even the most 
comprehensive OLM programme, and is likely to remain a 
source of unexpected arisings on many types of aircraft in 
years to come. 

8.1 Investigation Procedure 

Generally, following the discovery of a new problem, fleet 
structural integrity is maintained by the application of some 
or all of the following. 

a) the crack may be removed and subjected to metal I urgical 
examination, including assessment of the initiation 
process and stria'.ion counting where possible. 

b) strcssanalysisofthccomponcniisconducted/coiifirmcd. 
often involving finite element analysis and/or strain 
gauging, and appropriate S-N analyses performed. 

c) strain tracking crack initiation methodology may be 
employed to account for the effect of spectrum shape, 
especially useful in the case of compression induced 
tensile residual stresses. 

d) coupon/clement tests may be performed mconfirmation. 

e) LEFM is used to predict crack growth history. 

a), b), c), d) and c) above are used to explain the presence of 
the crack and to specify any in-service inspection intervals. 

Stress levels and/or S-N and da/dn data may be 'tuned' in line 
with the observed crack discovery time and the results of a) 
above. In cases of doubt concerning the read across of FSFT 
loading to in-service usage, some ground and/or flight strain 
measurements may be commissioned. 

U Fleet Action 

Regular inspections will almost always be introduced. They 
may be employed temporarily to maintain fleet structural 
integrity until a suitable repair or modification is embodied, 
or included in routine inspection schedules if aphilosophy of 
repair or modification on condition is adopted. 

8.2.1 Inspection Reauir ernenn: 

Inspection specifications usually comprise the following. 

a) an inspection procedure / technique. 

b) an initial inspection time / life point. 

c) a regular inspection interval. 

b) and c) above depend critically on the efficacy of the 
method specified in a). Additional factors of safety above 
those usually specificdare incorporated where the inspection 
method is considered to be less than normally reliable, 
owing, for example, to poor access or low sensitivity. 

The initial inspection point, after which regular inspection is 
required, may be set solely by consideration of incident 
times. Howcvcr.it isoftcn more efficient to firstof all inspect 
on a flcetwidc basis to establish the population values, 
obtaining the current lives of both affected and unaffected 
components, and employ statistical techniques to predict a 
'safe' initial inspection point based on a nominal level of 
confidence. 

Following such a flcetwidc inspection, let 

x^ x2 \a be the lives of cracked components 

/.,, z.j, zn be the lives of uncracked components 

Let y = f (x, ß), x > 0, be the probability densiy function of 
lime to cracking X of the component, where ß i s the vector of 
distribution paramclers. 

(eg. ß = <y,a) in die case of a normal distribution) 

Then ß may be estimated by maximising the Likelihood 
function 

m n ™ 
L = nf(x,J)rig(z,i)  where  g(/.,l) = J f(s,_ßds 

i=l j=l '■ 

and the maximum likelihood estimate of the 'safe' first 
inspection point S is then obtained from the solution to 

l-gttj^a 

where a is the preset level of risk (often of the order ol If)'3). 

Log-normal and two parameter Wcibull distributions have 
been successful ly employed on Hawk problems in setting the 
value of S . Note however, that whilst both distributions 
often yield very similar values of S .the hu/ard function, or 
age specific failure rate, 

h(i) = lim    Prob (t < X < t + At  i < X) 
Ai >n '   At 

U) 

•       € 

•     • 
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of the log normal distribution is non-monoconic, suggesting 
thai ihe distribution may not in certain cases be suitable for 
predicting future population behaviour, restricting its use to 
the estimation of S . 

Probable errors in the estimates of ß and So may be derived 
from likelihood theory. 

9. T-45 GOSHAWK FATIGUE DESIGN 

The T-45 A Goshawk is a naval version of the Hawk TMk.l, 
and has been designed by BAe and MDC to be crack free for 
14400 flying hours, factor 4. 

The structural analysis procedures follow US Mil Spec 
regulation'!, as opposed to UK Av P and DEF STAN 
requirements, including the use of the Neuber crack ini'tation 
method to establish adequate fatigue life. 

Fatigue allowable stresses were derived from minimum life 
spectra determined by truncation analysis, as shown in 
Fig. 11. A comprehensive coupon/element fatigue test 
programme was commissioned in support of the initial 
fatigue calculation effort, including checks on spectrum 
sensitivity to confirm minimum life spectrum configurations 
and testing of a large wing panel to confirm damage tolerance. 

T-4SA Lower Wing Skin 
to Front Spar Connection 

"I 1 1 1  
5 6        7        8 

Truncation Level 

T-45A Undercarriage 
Attachment Lugs 

-»>g 

Sink Speed 
(ft/sec) 

14 24 16     18     20     22 
Truncation Level 

Fig.II - Typical Life v Truncation Level Analyses 

Particular attention was paid to the influence of the much 
greater landing loads encountered during carrier operations 
on spectrum shape arid severity. The incorporation of the 
effects of residual stresses on time to crack init iation proved 
to be particularly beneficial, especially in cases of tensile 
residual stress which can profoundly affect the initiation 
time ?t features considered to be experiencing mainly 
comprcssivc applied stresses. 

This latter point was amply demonstrated during the design 
of the wing. Calculations, shown in Fig.12, indicated early 
crack initiation in the upper wing skin at certain access panel 
attachment holes, caused by substantial tensile residual 
stresses induced by high Nz manoeuvres. Simple coupon 
tests were commissioned. Fig 13, and confirmed the 
calculations which indicated that a 30% reduction in notch 
stress level was required in order to meet the specification. 
The option of installing titanium interference fit fasteners 
was not available owing to the need for routine in-service 
panel removal, and hole cold-working is not efficacious in 
such compression problems. Several different designs of 
steel bush were evaluated, and cracked at 30% to 50% of the 
life requirement with the skin still uncracked, thus not 
meeting specification. Following further investigations, 
Copper-Bcrylium interference fit bushes were tested and 
complied with specification. 

T-45A Wing Upper Skin Crack Initiation Analysis 
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Fig.12 - 7-45.4 Wing Upper Skin 

Crack Initiation Analysis 

Holes 'A' & 'B' unbushed in early tests which confirmed 
the problem. Further tests performed with bushes to 

identify the fatigue solution. 

-: 
— ■ 

hi 

— 

1 

- 
b 

_ 

,°- 205- 
3T 

«.) 

•     • 

Fig.13 - T-45 A Upper Wing Skin Coupon Specimen to 
Assess Compression Induced Fatigue 

• • 
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T-4SA and Hawk aircraft possess many common structural 
characteristics. However, a significant structural difference 
lies in the method of undercarriage attachment. Compared 
with Hawk, much greater energy absorption capability is 
required of the T-45A landing gear. In response to this 
requirement, the wing structure has undergone some 
reconfiguration, including the adoption of aone piece landing 
pick up rib running from the auxiliary spar to the rear spar, 
necessitating a split in the front spar shown in Fig. 14. The 
structure was considered less amenable to accurate analysis 
than usual, due to the complex interaction of landing and 
flight loads at several significant locations. 

Rear Spar 

Front Spar 

Fig.14 - View showing split in T-45A wing front spar 

Fig-15- View on lop surface of "1 -45 A Pre-production 
Wing Fatigue Test Rig 

U 

Fig. 16 - General viewof'l-4SA Pre-production 
Wing Fatigue Test Rig 

Thus, a major fatigue test was commissioned and performed 
by BAc to investigate the structural integrity of this 
configuration. Figs. 15 & 16, and was scheduled to protect 
the first batch of production aircraft in case design changes 
were required. Two important incidents arose towards the 
end of testing :- 

a) cracking in the lower flangeof the front sparat the second 
fastener hole just outboard of the landing rib. Fig 17. 

b.l cracking of the lower skin edge at the main landing gear 
cut-out radius. Fig. 18. 

Incident a) was caused by over-zealous steppingdown of the 
spar flange thickness as it terminated outboard of the landing 
rib. ant! was cured by a small increase in thickness. 

• 

Fig.17 ■ View showing lower flange of front spar outer 
Crack runs from 2nd fastener hole Outboard of Rib 7 

towards free edge 

• • 
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Leading Edge 

Lower Skin 

Auxiliary Spar 

Upper Skin 

Front Spar 

Crack 

Fig.18 - View showing crack in lower skin inboard of 
Rib 7 

Incident b) arose even though the incremental stress/g was 
reduced to approximately 65% of the surrounding region 
value. Finite element analysis indicated that the crack had 
initiated at a point where flight induced stresses (mainly 
tensile) and landing induced stresses (mainiy compressive) 
each concentrated substantially, though not each at their 
peak concentration. This unusual circumstance led to 
significant stress ranges within the fatigue spectrum. Coupon 
testing. Fig. 19, identified high strain energy density, due to 
the shallow stress gradient induced by the large notch radius, 
as the principal cause of earlier than expected crack initiation, 
magnifyingthe effective fatigue stress level by approximately 
1.3. Research is currently underway at BAe into this 
mechanism, which tends to occur at holes above a certain 
diameter and at appropriately shallow notches, and initial 
results are encouraging. Extensive finite element analysis 
identified the necessary design changes, including separation 
of the flight and landing stress concentrations, to the cut-out 
profile within space constraints, which was proven by 
confirmatory fatigue and static testing. Details are given in 
Fig. 20 and Fig 21, including the benefits of the local 
thickening adopted as part of the solution. 

355.6mm 

f 50mm Radius 

Fig. 19 - Lower Wing Skin Coupon Test Specimen 
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Fig.20 ■ T-45A Lower Skin Stress Analysis Specimen 

Spanwise Loading 
Flight Loading 

(Original Thickness) 

•      • 

LandingLoading 
(Original Thickness] 

Posilion Around Profile ©? 

Figlla - Cruciform Static Specimen 
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design freeze modifications and design changes. 

The above illustrates the value of pre-production large scale 
tests in cases of greater than usual uncertainty, where the cost 
is more than outweighed by the potential savings on post- jg) 

• 
TheT45 A has now entered service with the US Navy, and the 
Full Scale Fatigue Test is currently underway. ♦■' 

!». CONCLUSIONS 

The structural design of Hawk is based strongly on the need _ 
for good fatigue life, which has been achieved by a 
combination of calculation, test, and flight measurement. 
OLM has played a key role in both the maintainance of Hawk 
TMkl fleet fatigue life clearance, and the current MoD 
standpoint on life factors suggests that it will feature ever 
increasingly in the management of aircraft fleets. The T45A 
Goshawk pre-production fatigue test illustrated the • 
considerable savings that can be achieved by identifying 
features requiring attention prior to manufacture. 
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1. SUMMARY 
Load monitoring of the F-16 fleet of the RNLAF it carried 
out by NLR using an electronic device capable of analyzing 
the signal of a strain gage bridge on one of the main carry 
through bulkheads. This ir done on a sample of the fleet. By 
making use of the information stored in a Urge centralized 
data base system, "individual airplane tracking' is done. 
Six times per year, the fatigue damage experience of the fleet 
is reported to the air stuff, expressed in the so called "Crack 
Severity Index". 
From the measurements it is known, that the RNLAF is 
operating its F-16 fleet in a very damaging way. 
For this reason, it was decided to investigate the possibilities 
how to decrease the severity of flying. In this program much 
attention has been given to the "stress per G" relation during 
a flight. In particular the influence of flying with more 
favourite take off store configuration has been studied. 

2. INTRODUCTION 
Load monitoring of the F-16 fleet of the Royal Netherlands 
Air Force, RNLAF, is carried out by means of an electronic 
device which analyses the signal of a strain gage bridge on 
one of the major carry through bulkheads of the fuselage. 
Beside this strain gage bridge, also altitude, airspeed and 
loadfactor are being recorded. A debriefing form has to be 
filled in for each recorded flight. 
"Individual Airplane Tracking" is possible by making use of 
information,    like    mission    code    and    take    off    store 
configuration, which is stored in a large centralized data base 
system. The latter information is available for all flown F-16 
flights by the RNLAF. 
The loads department of the National Aerospace Laboratory 
in   the   Netherlands,   NLR,   is   responsible   for   this   load 
monitoring program  and  the  processing and   analysis  of 
recorded data. 
Six  times  per  year the  damage experience per aircraft, 
squadron and/or air base is reported to the air force. By using 
this information the RNLAF can closely monitor the fatigue 
experience of the fleet and take appropriate actions. 
The results over the last years did show, that a number of 
squadrons   within   the   RNLAF   are   operating   far   more 
damaging with the aircraft than has been assumed for the 
maintenance    schedule    given    in    the    Fleet    Structural 
Maintenance Plan, FSMP. 
For this reason, a working group was established in order to 
reverse the trend of the more damaging flying from year to 
year. 

As part of the activities of this working group, NLR 
developed a software program to recalculate the damage of a 
recorded flight for a different take off store configuration 
than the original one, but assuming the same loadfactor 
history. Further, the influence of flight limitations on 
loadfactor, airspeed and/or altitude can be studied. As a 
result, advices have been given to the RNLAF for lowering 
the fatigue experience of the fleet. 
In the next chapter of this paper the load monitoring, as it is 
carried out today by the RNLAF, will be described. 
Individual airplane tracking and fatigue management will be 
presented in the next two chapters. In chapter 6 a description 
will be given of the method used for calculating the fatigue 
damage of a flight, in terms of crack growth. This is the sii 
called "Cracu Severity Index" concept. 
In chapter 7 the different steps, which have been taken to 
investigate the possibilities for reducing the damage of a 
flight, will be discussed. The paper ends with some 
concluding remarks. 

3. LOAD MONITORING TODAY IN THE RNLAF 
For many years, the NLR has been engaged in the load 
monitoring of the Lockheed F-16 aircraft of the RNLAF. 
From 1990 on, the originally available equipment such as 
Mechanical Strain Recorder and Flight Loads Recorder, has 
been replaced by instrumentation specified by NLR. Data 
collection and data analysis is carried out by NLR. An 
overview of the lo&d monitoring program is given in 
reference 1. 
In 1992, the one channel version of the luad monitoring 
recorder has been replaced by a more modern four channel 
version of the system, which has been manufactured in 
Switzerland by Spectralab, see figure 1. 
The new system has the advantages of more memory 
capacity, a higher resolution and a real clock. The additional 
channels in the new system are used for recording loadfactor, 
altitude and airspeed. The signals for altitude and airspeed 
arc taken from the data bus in the aircraft. Sofar, the signal 
for the loadfactor ha« been provided by an additional 
acceleration sensor on top of the instrumentation package. 
These additional three signals are needed for a recalculation 
of the fatigue damage of a flight which will be discussed later 
on. 
The Spcctrapot Data Collector performs a data compression 
during flight by searching for peaks and troughs in the signal 
of the strain gage bridge. This bridge is located on one of the 
major load carrying bulkheads in the airframe and therefore a 

Presented at an AGARD Meeting on An Assessment of Fatigue Damage and Crack Growth Prediction Techniques', 
September /W.*. 
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good measure or the fatigue loading of the wing and the 
centre section of the fuselage. 
At the moment of occurrence of a peak or a trough, also the 
values in the signal of the loadfactor, airspeed and altitude 
are recorded. This is a result of the so called master/slave 
recording method, la figure 2 the data flow in tfc: RNLAF F- 
16 !oa<i monitoring program is giver.. 
In the last years also the number of aircraft with "provsions 
for" has been increased irum 5 to 7 per squadron. 
Discussions are being held, to further incicase the number of 
aircraft with "provisions for" and the number of 
instrumentation packages pci- squadron. 

4. INDIVIDUAL A'kPLANE TRACKING 
As mentioned before, the load monitoring program itself is 
only carried out on a sample of the fleet. For the RNLAF it 
was found that there is no need for a fleet wide installation, 
Because in general the aircraft are used randomly in a 
squadron by all pilots and for all mission types. 
In this set up it is essential that long term "non standard" 
operation of an aircraft is monitored separately. Over the last 
years there is an increase of this kind of operation, mostly 
outside the Netherlands. Examples arc the low altitude 
operation in Goose Bay. Canada, the pilot training in Tucson, 
USA and the "Deny flight" operation from Villa Franca, 
Italy. Also "special flying" in exercises like "Red Flag" and 
during "Air Display" flights has been recorded. In the load 
monitoring program, these "ncn standard" squadron flights 
are being handled as special mission types for the RNLAF. 

"Individual Airplane Tracking" can be done by a combination 
of recording in a sample of the fleet and by a usage 
monitoring "on paper" for the total fleet, see reference 2. 
From the measurements and debriefing forms in the load 
monitoring program the fatigue damage per mission type per 
squadron and per time period becomes available. The fatigue 
damage is expressed in the so called "Crack Severity Index", 
which is explained in more detail in reference 3. 
The individual mission mixture per tail number in a squadron 
is known from a centralized maintenance data base system, 
CAMS. In this data base system information like mission 
code, squadron, flight duration and take off store 
CO!.figuration is stored for each F-16 flight made by the 
RNLAF. Each month the data are sent to NLR by means of a 
modem connection with the air force. 
For individual airplane tracking, the severity of flying per 
mission type per squadron has to be combined with the 
mission mixture of an individual aircraft. In this way the 
fatigue damage or CSI value per tail number is calculated for 
a given time period. 

5. FATIGUE MANAGEMENT 
For the air staff of the RNLAF, management of the load 
monitoring program itself is carried out by NLR. In the 
sample program it is essential that a sufficient number off 
flights for each mission type are recorded for each half year 
and for each squadron. It is the task of the squadrons to fill 
in the associated debriefing forms and also to change the 
Spectrapot equipment into another aircraft with "provisions 
for" in case of long term maintenance of en aircraft. There is 
a continuous effort from the air staff and NLR personal to 
increase the number of recorded flights. 

The results of the fatigue damage calculation per tail number 
are presented six  times  per year to  the air  staff of the 

RNLAF. Of course, it is possible to provide the information 
more  often.   However,   for  management  purposes a  two 
monthly interval seems to be sufficient. 
Thw results are given in "standard" tables, which together 
give MI overview of the fatigue damage experience of the 
fleet. 
In the first place, a comparison is being made between the 
flown mission mixture of a squadron in the last two month 
and the last three years, with the assumptions made for the 
FSMH. From figure i it is clear that in actual operation large 
differences occur. 
With respect to the take off store configuration, per squadron 
a comparison is being made between the actually flown take 
off store configurations and the "most preferable take off 
store configurations" as defined by the RNLAF. 
In figure 4 the variation of the CSI value over de total life of 
each aircraft is given. For each aircraft the history is known 
in terms of flight hours flown in each squadron. Since 1985 
also the individual mission mixture flown in each squadron is 
available. In this way a cumulative damage or CSI value over 
the whole life of the aircraft is calculated. 
From figure 4 it is clear that there is a need for mission 
mixture  management per  aircraft   within  a   squadron.  Of 
course, the information can be presented per squadron and 
per air base. An example is given in figure 5. 

The air staff uses all this information to supply the air bases 
and squadrons with their own fatigue damage results. Sudden 
changes in the experienced fatigue damage are raising 
questions and do initiate additional investigations into the 
cause of the increase of the fatigue damage experience. 

6. CRACK SEVERITY INDEX CONCEPT (CSI) 
An important "tool" in the calculation of the fatigue damage 
of a flight is the so called "Crack Severity Index" concept, 
which has been developed by NLR some years ago. In 
reference 3 more detailed information is given about the CSI 
development and the specimen tests which have been carried 
out for validation of the concept. 
The CSI value is used for quantification of the fatigue 
damage of recorded stress spectra in terms of crack growth 
potential. The concept is based on modern concepts with 
regard to crack growth prediction, including crack closure 
and associated crack growth retardation. An important 
quantity is the minimum crack opening stress. This opening 
stress is a function of the maximum and the minimum stress 
in the spectrum under consideration. It is important to realize 
that the calculated CSI value is a relative damage figure for a 
specific location and loading spectrum. 

In the F-16 load monitoring program of the RNLAF, the CSI 
concept has been applied to the location of the strain gage 
bridge used in the program. As a reference, a batch of 4S8 
RNLAF F-16 flights recorded in 1985, have been taken 
As mentioned before, the minimum cra\'k opening stress is of 
major importance for taking into account the interaction 
effect caused by the large load cycles. It is based on the load 
cycle which occurs once in thirty flights. 
In the reports to the air staff a distinction has been made 
between the so called normalized CSI or nCSI and spectrum 
CSI or sCSI. The nCSI is based on the minimum crack 
opening stress of the reference batch of flights flown in 1985. 
In the ease of the sCSI, the crack opening stress is calculated 
for all the flights flown in the last half year by a squadron. 
The rcs'iiting crack opening stress is used for calculating the 
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•evenly per flight and per mission type. In this way load 
interaction effecta between mission types are taken into 
account. In figure 6 an «ample is given of the importance of 
auch an approach. For example, a SO/SO percent mixture of 
severe ACT and RANGE flights has a combined fatigue 
damage per hour of about half that of the ACT mission type 
atone. This effect is caused by the high crack opening level 
resulting from the ACT mission type. As a result, the large 
number of toad cycles in the RANGE mission type hardly 
contribute to the crack growth. See also figure 7. 

7. DECREASE OF FATIGUE DAMAGE 
CONSUMPTION 

As mentioned before, a number of squadrons are operating 
more severely with its F-16 aircraft than has been assumed 
for the Fleet Structural Maintenance Plan. It may be added 
that in comparison with other air forces the RNLAF also is 
flying more severe. In terms of maintenance this means that 
more fatigue cracks are found during inspections and that 
there is more additional downtime of the aircraft. 
In order to reduce the fatigue experience of the RNLAF F-16 
fleet, a working group has been established. First priority has 
the reduction of the fatigue damage to the one assumed for 
the FSMP. This means that the trend of an increasing load 
experience over the last years has to be reversed. 
For the RNLAF it is important that the operational training 
value for the pilots will not be reduced. This means that 
reducing the loadfactor load experience is not the first choice. 

In the last year, most work has been done on reducing the 
"stress per G relation", mostly by making use of more 
favourable take off store configurations. This work will be 
described in chapter 7.2. First, however, the effect of 
reducing the maximum allowable loadfactor will be 
discussed. 

7.1 Limitation of maximum loadfactor 
One of the "standard" answers to the question of how to 
reduce the fatigue damage experience, is a limitation of the 
maximum allowable loadfactor during operation of the 
aircraft. From chapter 6 it may already be clear that one has 
to be very careful if the large load cycies within a load 
spectrum are being changed. This, because of the large 
influence of those cycles on the crack opening stress level. 
Instead of increasing the crack growth life of the structure, 
the result may be a shorter crack growth life. Specimen tests 
have been carried out by NLR making use of recorded load 
sequences during normal operational flights. In figure 8 the 
results arc shown. By reducing the maximum allowable 
loadfactor from 9 G to about 8 G, it was found that the 
"truncated" load sequence was about 25 percent more severe. 

In figure 9 the results are shown of an analysis of the 
influence of the maximum allowable loadfactor on the crack 
growth life of the reference batch of 488 flights. By reducing 
the maximum allowable loadfactor, the fatigue damage of the 
had sequence increases to a maximum at a maximum 
allowable loadfactor of about 5.5 G. For a lower maximum 
loadfactor the damage decreases, but it is only at about 4 G 
that the original damage is reached again! It is clear that this 
is not the right way to go. 

7.2 Reducing the "stress per G" relation 
Most attention has been given to the reduction of the crack 
growth   damage   by    manipulating   the    take    off   store 

configuration. The stress per G ratio is very variable aa a 
result of changing aircraft mass by burning fuel and mass 
distribution, which means store and fuel location. 
Of course, there are more parameters influencing the stress 
per G relation. For example Mach number and roll speed. In 
figure 10 the variation of stress per G is shown in a batch of 
about 250 recorded flights. For the same loadfactor, a large 
variation of stress can be seen. It has to be mentioned here, 
that the stress is taken at the location of the strain gage 
bridge used in the load moni.jring program. 
Figure !1 gives an example of the stress per G variation 
during a flight with an external centreline fuel tank. During 
flight, the fuel in this tank is the first to be used. Next, the 
fuel in Jie internal wing tanks are bumed and the remaining 
part of the flight is flown on fuel from the internal fuselage 
tanks. 
During the first part of the flight the stress per G relation is 
not changing so much, there after the ratio is decreasing 
slowly as a result of burning fuel from the internal fuselage 
fuel tanks. The more or less constant stiess per G in the first 
part of the flight is caused by a little decrease of the stress 
per G from the external centreline tank followed by the 
counteracting effect of burning fuel from the internal wing 
fuel tanks. 

Most attention in the project sofar has been given to the 
reduction of the stress per G relation by changing the take off 
store configuration. For this reason, NLR developed a 
computer program for calculating loads in a few sections of 
the wing. The formulae used have been received from 
Lockheed, the former General Dynamics. 
The formula for calculating the stress at the location of the 
strain gage bridge used in the load monitoring program, has 
the following form: 

Stress (at location of strain gage bridge) = 
Cl * shear force (in wing root) 

+     C2 * bending moment ,,    ,, 
+     C3 * torsion moment ,,    ,, 

Each of these sectional loads is a function of loadfactor, 
mass, Mach number., angle of attack , roll and yaw 
velocity/acceleration, etc. This computer program has been 
used as a "tool" for comparing different take off store 
configurations. 
In figure 12 an example is given. For a large number of 
"points in the sky", which are combinations of airspeed, 
altitude and fuel quantity, the stress is calculated for two 
different take off store configurations. Clearly visible for all 
"points in the sky" is the favourable effect from the additional 
external stores. From this investigation "most favourable take 
off store configurations" have been selected for the most 
important mission types. 

Although the "point in the sky" calculation did promise some 
improvement, it still was a question how much of this would 
happen   under  actual   operational  conditions.   In   order  to 
investigate this, the computer program for calculating the 
"points in the sky"  was extended in order to  recalculate 
actually recorded load sequences. 
From the load monitoring program the sequence of peaks and 
troughs in the strain gage signal of a flight is available. At 
each peak and trough also airspeed, altitude, mass and mass 
distribution are known. 
A few assumptions have to be made. In the first place the 

"J 
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«noun! of itrcst resulting from »symmetric manoeuvring is 
kept the same. Also the flight duration is taken as a constant. 
In principle it is also possible with the computer program to 
recalculate a  flight  with  limitations  on airspeed, altitude 
and/or loadfactor. 
For the resulting new lot'' sequences, the fatigue damage is 
calculated using the CSI method. In figure 13 results are 
given of a recalculation for a batch of ACT flights. In this 
example only ex'emal stores are replaced. The external tank 
configurations are kept the same. Tie favourable effects arc 
clearly visible. Based on these results, "most preferable take 
off store configurations" have been selected. 
As a begin, the RNLAF has decided Jo fly as mucii as 
possible with four missiles or dummy missiles at the outboard 
wing stations. 
More investigations are planned for the near future.  The 
effect of Mach number and the time at which, manoeuvring 
takes place v/ill be studied in more detail. 
In the end, the favourable effects of changes in the take off 
store configuration usage should be .seen in the results of the 
load monitoring program. 
From the recorded flights, which are stored in the data base, 
it can already be seen that use of a more favourable take off 
store configuration gives  indeed a lower nCSI value.   An 
example is given in figure 14. 

8. CONCLUDING REMARKS 
- An overview has been presented of the load monitoring of 

the F-16 fleet of the RNLAF. By making use of a 
combination of a sample measuring program and the 
information stored in a centralised data base, fatigue 
experience per individual tailnumber becomes available. 

- A description has been given of the "tools" which are 
present for detailed calculation of the fatigue damage of a 
flight and the recalculation of a flight for another take off 
store configuration. 

- More research is needed to investigate the possibilities of a 
further reduction of the fatigue severity of operational 
usage. For example effects of Mach number and time of 
manoeuvring in a flight. 
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Fig. 1  Specttapot-4C data collector 
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AN OVERVIEW OF THE F-16 SERVICE LIFE APPROACH 

by 

J.W. Morrow and G.T.Herrick 

«) 

Lockheed Fort Worth Company 
Mail Zone 2846 

P O Box 748 
Fort Worth 

Texas 76101 
United States 

This Paper »as not available at the lime of printing, but included is the authors' material used at the presentation during the 
AGARD Workshop held in Bordeaux. 

Introduction to F-16 Airframe 

The F-16 Airframe Has Been Designed According to the Latest USAF Philosophy which 

was Adopted in the 1°70s 

It has a Modular Structural Arrangement and Maximum Use Has Been Made of 

Aluminum 

It is the First Aircraft Designed for Fracture Requirements in Mind, from its Inception 

It is the First Aircraft Designed to Withstand 9.0g Loads ana it is Certified to 8,000 

Service Hours 

It Has Completed Flight-By-Flight Durability and Damage Tolerance Test Programs with 

No Catastrophic Failures 

Fracture Control Program Has Been Implemented for Designated Critical Parts 

Force Management Program in Place to Monitor Crack Growth and Enable the USAF to 

Maintain Operational Readiness 

Capability Additions Have Grown Basic Flight Design Gross Weight from 22,500 Pounds 

(1975) to 28,750 Pounds (1992) 

Maneuverability and Pilot Comfort Features Have Contributed to Significant Increase in 

Maneuver Activity Levels by All Usf rs 

Vu-Graph ! 

f'resemed at on A(iARl) Meeting on An Assessment i>)Fatigue liamage uml< mil (mi'Mh I'mli, mm In Iwttuu1 

September IW.1. 
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F-16 Requirements for Airframe Structural 
Durability and Safety • 

MIL-A-1530A - Aircraft Structural Integrity Program (ASIP) 
- Defines Overall Requirements to Achieve Structural Integrity 

MIL-A-8866B - Airplane Durability Requirements 
- Identifies Durability Design Requirements Applicable 

to Airplane Structure 

• MIL-A-83444 - Airplane Damage Tolerance Requirements 
- Identifies Damage Tolerance Design Requirements Applicable 

to Airplane Safety of Flight Structure 

' MIL-A-8867B - Airplane Strength and Rigidity Ground Tests 
- Identifies Ground Tests Required for Substantiation 

of Aircraft Structural Integrity 

As Interpreted by F-16 Structural Design Criteria Documents 
\ J 

Vu-Graph 2 
•       • 

F-16 Design Approach 

• "Safe Life" Approach Abandoned by USAF 
- Does Not Account for Initial Flaw 
- Poor Correlation Between Test and Service 

• Safety and Durability Requirements Decoupled 

• Safety - Damage Tolerant Design 
- Fall-Safe 
- Slow Crack Growth 
- Fracture Mechanics 

• Durability-Designed Such That: 
- Economic Life > Required Design Life 
- Time to Functional Impairment > Required Design Life 

• Resulted In: 
- Use of Tougher Materials 
- Lower Operating Stresses 
- Improved NDI Procedures 
- More Realistic Testing 

\u-(,r;i|>li 3 
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Pre 1969/70 

Block 

Test Policy Comparisons 

Test Spectrum 

F-16 Policy 

• Flight by Flight (F « F) 

* 

Production Aircralt 

No Policy 

4 Lifetimes 

Selection of 
Test Article 

Test Schedule 

Test Duration | 

- Early RDT4E Aircrall 

• FSD Requirements Are: 
- One Lifetime Pric to Prod. 

Go-Ahead, Two Lifetimes (Or 
Economic Life) Prior lo First 
Production Delivery 

• Two Lifetimes (Or Economic Life) Durability 
• Two Lifetimes (With Preflaws) Damage 
Tolerance Plus Residual Strength Loading 

No Policy Post Test 
Inspection 

• Teardown Inspection 
■ Fraclography 

4 Lifetimes Without 
Fatigue Failure 

Acceptance 
Criteria . 

• Final Analysis Using Test Results 
• Economic Life > Design Life 
■ Meets Damage Tolerance Reqmts 

Vu-Graph 6 
•       • 

Fatigue and Fracture Control Plan 

Post-Failure 
Analyses 

Material Review 
Board Activity 

Nondestructive 
Inspection 

Design 
Requirements 

Manufacturing 
& Quality Control 

Material Selection | 
& Testing 

Critical Parts List 
& Critical Part 
Specifications 

Fracture Mechanics 
Analysis 

Vu-Graph 7 
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F-16 Fleet Management Recording Systems 

Crash Survivable Flight Data Recorder (CSFDR) • 
- Signal Acquisition Unit (SAU) on Every Airplane 
- Crash Survivable Memory Unit (CSMU) on Every Airp'ane 
- Performs Onboard Data Compression and Data Storage 

• Type 1 • Data for Mishap Investigation Analysis • 
- Last 15 Minutes or More of Flight Data 
- Up to 5 Special Events 
- Baseline Data at Liftoff 
- Data Extracted as Required 

• Type 2 - Data for Individual Airplane Structural Tracking 
- A Nz W Exceedances and Other Usage Information 
- Data Extracted at 75 and 150 Hour Phased Inspections 

• Type 3 - Data for Structural Loads and Service Life Analysis 
- Retains Data for Last 7 to 10 Flights 
- Data Extracted at 75 and 150 Hour Phased Inspections 

• Type 4 - Data for Engine Usage Analysis 
- Retains Data for Last 7 to 10 Flights 
- Data Extracted at 75 and 150 Hour Phased Inspections • 

Standard Flight Data Recorder (SFDR) 
- Baselined Off of CSFDR 
- Replaces Z8002 Microprocessor with MIL-STD-1750 • 

Vu-Graph 9 
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Lessons Learned Summary 
m 

*/ 
1. Assume Realistic Effectiveness for Removable Panels and Covers 

2. Insufficient Edge Distance a Recurring Design Detail Problem with 
Today's Compact Fighter Designs 

3. Do Not Ignore Effects of Residual Stress for Structure Loaded 
Primarily in Compression 

4. Keep Load Paths Straight. Eliminate Section Changes. Both * 
Frequently Ignored 

5. Design Connectors for Systems Routing to Provide Adequate Edge 
Distance for Satellite Holes (2 to 3D). Position Satellite Holes Out 
of Maximum Tension Stress Field. Locate Routing Holes in Low * 
Stress Areas. Use Single Large Routing Hole Instead of Multiple Holes 

6. Hard to Inspect/Difficult to Replace Structure Should Be Designed 
with an "Upper Bound" Usage Spectrum •      • 

7. Program Memorandums Must Be Used to Establish Design Criteria/ 
Guidelines for Service Life Just as They Are for Static Strength 

8. Fine Grid FEM Stress Analysis Is Required to Accurately Predict * 
Stress Equations for Service Life Analysis in Areas of Complex 
Load Sharing and Areas Having Stress Gradients 

9. Use of Extruded Shapes and Forged Shapes in Primary Structure # 

Should Be Fully Investigated with Respect to Fracture Properties 

10. Material Properties Testing and Development Testing Must Be 
Accomplished Early in the Design Process 

11. Use of Generalized Allowable Stresses Okay for Design with Light 
to Moderate Usage. Overrated for Tough Requirements. Detail 
Allowable Curves or Detail Analysis Required 

12. Full Scale Testing Must Be Scheduled to at Least Be Concurrent with * 
Final Design Release 

13. Still Difficult to Out Guess Weight and Usage Changes as 
Systems Mature 

Vu-Graph 10 
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Still A Challenge - Combined Impact of Weight 
and Maneuver Activity 

Peak Load Exceedance Comparison 
Fuselage Station 373.8 Bending Moment 
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DISTRIBUTION OF UNCLASSIFIED 

AGARD PUBLICATIONS 

AGARD holds limited quantities of the publications that accompanied Lecture Series and Special Courses held in 1993 or later, and of 
AGARDographs and Working Group reports published from 1993 onward. For details, write or send a telefax to the address given above. 
Please do not telephone. 
AGARD does not hold stocks of publications that accompanied earlier Lecture Series or Courses or of any other publications. Initial 
distribution »fall AGARD publications is made to NATO nations through the National Distribution Centres listed below. Further copies are 
sometimes available from these centres (except in the United States). If you have a need to receive all AGARD publications, or just those 
relating to one or more specific AGARD Panels, they may be willing to include you (or your organisation) on their distribution list. AGARD 
publications may be purchased from the Sales Agencies listed below, in photocopy or microfiche form. 

NATIONAL DISTRIBUTION CENTRES 

BELGIUM 
Coordonnateur AGARD - VSL 
Etat-Major de la Force Aerienne 
Quartier Reine Elisabeth 
Rue d'Evere, 1140 Bruxelles 

CANADA 
Director Scientific Information Services 
Dept of National Defence 
Ottawa, Ontano K1A 0K2 

DENMARK 
Danish Defence Research Establishment 
Ryvangs Alle 1 
P.O. Box 2715 
DK-2100 Copenhagen O 

FRANCE 
ONE R.A.(Direction) 
29 Avenue de la Division Ledere 
92322 Chätillon Cedex 

GERMANY 
Fachinformationszentrum 
Karlsruhe 
D-7514 Eggenstein-Leopoldshafen 2 

GREECE 
Hellenic Air Force 
Air War College 
Scientific and Technical Library 
Dekelia Air Force Base 
Dekelia. Athens TGA 1010 

ICELAND 
Director of Aviation 
c o Hugrad 
Reykjavik 

ITALY 
Aeronautica Milnare 
Uffieio del Delegato Nazionale all'AGARD 
Aeroporto Pratica di Mare 
00040 Pomezia (Roma) 

LUXEMBOURG 
See Belgium 

NETHERLANDS 
Netherlands Delegation to AGARD 
National Aerospace Laboratory, NLR 
P.O. Box 90502 
1006 BM Amsterdam 

NORWAY 
Norwegian Defence Research Establishment 
Attn: Biblioteket 
P.O. Box 25 
N-2007 Kjeller 

PORTUGAL 
Forca Aerea Portuguesa 
Centro de Documentacäo e Informacao 
Alfragide 
2700 Amadora 

SPAIN 
INTA (AGARD Publications) 
Pintor Rosales 34 
28008 Madnd 

TURKEY 
Milli Savunma Baskanligi (MSB) 
ARGE Daire Baskanligi (ARGE) 
Ankara 

UNITED KINGDOM 
Defence Research Information Centre 
Kernigem House 
65 Brown Street 
Glasgow G2 8EX 

UNITED STATES 
NASA Headquarters 
Attention: CF 37, Distribution Center 
300 E Street. S.W. 
Washington, DC. 20546 

• 

The I nited States National Distribution Centre does NOT hold stocks of AGARD publications. 
Applications for copies should be made direct to the NASA Center for Aerospace Information (CASI) at the .iddress below. 

NASA Center for 
Aerospace Information (CASI) 

800 Elkridge Landing Road 
Linthicum Heights. MD 21090-2934 
United States 

SALES AGENCIES 

ESA Information Retrieval Service 
European Space Agency 
10, rue Mario Nikis 
75015 Paris 
France 

The British Library 
Document Supply Centre 
B >ston Spa, Wetherbv 
West Yorkshire LS23 7BO 
United Kingdom 

Requests for microfiches or photocopies of AGARD documents (including requests to CASI) should include the word AGARD' and the 
AGARD senal number (for example AGARD-AG-315) Collateral information such as title and publication date is desirable. Note that 
AGARD Reports and Advisory Reports should be specified as AGARD-R-nnnand AGARD-AR nnn, respectively Full bibliographical 

references and abstracts of AGARD publications are given in the following journals: 
Scientific and Technical Aeiospace Reports (STAR) Government Reports Announcements and Index (GRA&I) 
published by NASA Scientific and Technical published by the National Technical Information Service 
Information Program Springfield 
NASA Headquarters (JIT) Virginia 22161 
Washington DC 20546 United States 
United States (also available online in the NTIS Bibliographic 

Database or on CD-ROM) 

Printed by Specialised Printing Senires Limited 
40 C higwell Lane, l.oughton, Essex Kill) }TZ 

ISBN 92-835-0734-7 
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DIFFUSION DES PUBLICATIONS 

AGARD NON C LASSIFIEES 

\ue un si. ick de publications n a existe a AGARD A parlir de I s>s>3. AGARD deliendra un slock limite des publications associees aux cycles de 
conferences el cours speciaux ainsi que les AGARDographies ct les rapports des groupes de travail, organises el puhlies a parttr de I sN3 inclus. 
I.es demandes de renseignenients doisent etre adressees ä AGARD pi. letlre uu par fax ä I'adresse indiquee ci -dessus. \ euiliez tie pat telephoner 
l.a diffusion initiale de toutes les publications de TAG ARD esteffectuee aupres des pays memhres de ItVI AN par l'intermediaire des centres 
de distribution nanonaux indiques ci-dessous. Des exemplaires supplemcntaires peuvent parfois etre obtenus aupres de ces centres (ä 
('exception des Ftats-l'nis). Si vous souhaite/ reeevoir toutes les publications de I'AGARD. ou simplemenl cclles qui conccrnen'. certains 
Panels, vous pouvez demander ä etre inclu sur la lisle d'envoi de Tun de ces centres. Les publications de I'AGARD sont en vcnte aupres des 
agences indiquees ci-dessous. sous forme de pholocopie ou de microfiche. 

CENTRES DE DIFFUSION NATIONAUX 

ALLhMAGNE 
Fachinformalionszentrum. 
Karlsruhe 
D-7.M4 Eggen.stein-1 eopoldshaten 2 

HPLOIQUP 
Coordonnaleur A'iARDA SI. 
l.iat-Ma|o- Je la Force Aenenne 
Quartier Reine Elisabeth 
Riied'Evere. 1140 Bruxellcs 

CANADA 
Dirccleur du Service des Renseignements Scientif ques 
Ministcre de la Defense Nationale 
Ottawa. Ontario Kl A OK.: 

DÄNEMARK 
D.inish Defence Research Establishment 
Rvvangs Alle I 
P.O. Box 2715 
DK-2HII! Copenhagen O 

PSPAGNE 
IN FA (AGARD Publications) 
I'mlor Rosales 34 
280(18 Madrid 

I IATS-LN1S 
NASA Headquarters 
Attention: CP 37. Dislnhulion Center 
300 E Street, SW 
Washington. D.C. 20546 

PRANCE 
ON E R A (Direction) 
2V. Avenue de la Division Ledere 
02322 ChattHon Cedex 

GRECE 
Hellenic Air Force 
An War College 
Scientific and Technical Library 
Dekelia Air Force Base 
Dekelia. Athens TGA 1:010 

ISLANDE 
Director of Aviation 
c o Flugrad 
Reykjavik 

I LALIE 
Aeronautica Mihtare 
L'fficiodel Delegato Nationale all'AC.AKD 
Aeroporto Pratica di Mare 
0iMi40Pomezui(Kom.i) 

LI ^EMBOURG 
\ntr Belgiuue 

NORVEGE 
Norwegian Defence Research Establishment 
Ann: Biblioieket 
P.O. Box 25 
N-2007 Kjellet 

PAYS-BAS 
Netherlands Delegation to AGARD 
National Aerospace Laboratofv Nl.R 
PO Box 4050: 
1006 BM Amsterdam 

PORTUGAL 
Forca Aerc-a Portuguesa 
Centn) de Doeumentacäo e Infomacäo 
Alfragide 
270o"Amadora 

ROYAUME UNI 
Defence Research information Centre 
Kentigern House 
65 Brown Street 
Glasgow G2 XEX 

FURQUIE 
Milli Savunma Baskanhgl (MSB) 
ARGE Daire Baskanhgl (ARGE) 
Ankara 
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l,e centre de distribution national des Etats-l nis ne detient PAS de stocks des publications de I'AGARD. 
D eventuelles den indes de photocopies doivent etre tormulees directement aupres du NASA Center tor Aerospace Information 
(CAS!) ä I'adresse suivantc: 

NASA Center for 
Aerospace Information (CASI) 

soo Hlkndge Landing Road 
Ijnthieum Heights. MD 2 HW)-:y.U 
United States 

AGKNCLSPLVLNIT 

t.SA Information Retrieval Service 
European Space Agency 
10. rue Mario Nikis 
75015 Paris 
V ranee 

1 he British Library 
Document Supply Division 
Boston Spa. Wetherrn 
West Yorkshire I S2i 7BO 
Roumme Urn 

Les demandes de microfiches t >u de photocopies de document s AGARD (ycompns les demanded fanes aupres du CASI) doivenicom porter 
ladenominaiion ACiARn.iUnsiquelenumerodesened'AGARDlparexemple Al'jARD-A(i-M 5) Des informations analogues, idles que 
le litre et la date de publication sont souhaitables. Veuiller noter qu'il y a lieu de specifier AGARD-R-nnn et AGARD-AR-nnn lots de la 
commande des rapports A0-ARD et des rapports consultant's AGARD respecmement. Des references bibliogntphiqucs completes ainsi 
que des resumes des publications AGARD figurem dans les journaux suivanis 

Government Reports Announcements and Index (GRAiM) Scientilique and I ethnical Aerospace Reports (STAR) 
public par la NASA Scientific and Technical 
Information Program 
NASA Headquarters (JIT) 
Washington DC. 20546 
htats-Unis 

public par le National Iechmcal Information Service 
Springfield 
Virginia 2:ibl 
I.tats-l nis 

laccessible egalenient en mode uit-iaciil dans la base de 
donneeshibliographiquesen fignc du N I IS. et sur CD-ROM) 

Imprimepa* Specialised I'riniinii Senu e\ Limited 
Wi'hiRwettLane, Loughum, Essex KUO U7 
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