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Preface

Fatiguc is an important consideration in structurai design and monitoring of continued airworthiness of military aircraft. During
aprevious AGARD Meeting, held in Bath in 1991, a need was identified to review the efficacics of the several methods that are
used for assessment of fatigue damage and crack growth in airframe components by comparing their predictions against full-
scale test and service experiences, to thereby categorize the degree of conservatism inherent in each method. The latter
consideration is essential to sound management of fatigue consumption. Towards that end. the Structures and Materials Panel
(SMP) within AGARD organized a Workshop in the Fail of 1993, titled "An Assessment of Fatigue Dumage and Crack Growth
Prediction Techniques™.

The Workshop provided a forum for an in-depth discussion of the corrclation between tn-service experience and results from
analytical predictive models, specimen level tests, component tests and full-scalc tests. Additionatly. the Workshop made
possible an examination of the operating standards that different countries adopt with respectto various clements in the design
process such as load spectrum, exceedance diagram, algorithm for calculating fatiguc dumage. and in-service monitoring
protocol — all contributing to refinement of the requirements of an aircraft monitoring system.

Préface

La fatigue est une consideration importante pour la conception structurale et le suivi permanent de Faptitude au vol des acronefs
militaires. Lors d'une réunion de 'AGAR1D a Bath en 1991, le Panel AGARD SMP aidentifi¢ le besoin de revorr Fetficacite des
différentes méthodes utilisées pour {'évaluation de ' endommagement en fatigue et la propagation des fissures dans les elements
de cellule, en comparant les prévisions obtcnues par ces méthodes aux résultats des essars en vrine grandeur et aux donndes
d'exploitation, afin de catcgoriser le degre conservatoire propre 8 chaque methode. Cette dermiere consideration est essentielle
pour a bonne gestion de f'endurance en fatigue. Dans cette optique. le Panel AGARD des structires et matenaux (SMP) a
organisé un atclier sur "'évaluation de 'endommagement en fatigu * et les techmques de predwnion de fa propagation des
fissures”™ en automne 1993,

Latelier a servi de forum pour des discussions approfondies de la corrclation qui existe entre le fonctionnement en service et les
resultats obtenus des modeles predictifs anatytiques, des essais sur ¢chantillon, des essins de composants et des essins en vrine
grandeur. En outre, 'atclier a permis I'étude des normes d'exploitation adoptées par les ditferents pays en ce qui concerne les
divers ¢léments du processus de conception tels que fe spectre de charge, le schéma d'excédent. algorithme de calcul de
I'endommagement cn fatiguc et fe protocole de controle en service — autant d'aspects qui concourent a loptimusation de la
specification d'un systcme de controle d'aéroncf,

Dr S.G. Sampath

Sub-Commuttee Chairman
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fremas supported by full seale htipue testing to several
Mletimes A seeond fatigue test of the JAS 39 s planned ro at
least fou: bifetunes,

A presentinion was made by Dr LW, Lincol, on behalf of Mr
LB Cochran et Al from Lockheed Acronautiont Svstems, on g
racture hased visk assessment of the =141 transport wing
omt at WS 08 This wing joint suffered both multi-element
and multi-site fatigue damage, The aireraft was designed to
provide 20,000 flight hours and the foree is currently averags
g 4000 hours. Dr Lincoln explained that it is not
mconceivithle 1o expeet this aireraft to provide reliable ser-
vieewellinto the 2Esteentury and stated that the current tools
oftructural anadysis must go bevond the specifics of strength,
durabthty and fracture mechanies into the realm of statistics
amd rehability The acceptable single Right risk after structural
member fudure, us adopted by the USAF Scientific Advisory
Board (5SAR) tor this evatuation, was 1.0 % 1074 Dr Lincoln
Mentioned that the intact structural risk should be no preater
than Vo« 100 The risk assessment provided valuahle input
minthe devimon process for implementing actions in a timely
nnnet to protect the satety of vhe foree,

Phe ascessment of an in-service MONItORME process to main-
Lan strictusal mtegnty was deseribed by Mr R Cazes of
PassanltAvion, The process uses a test-calibrated Miner's
Scunulanee Gamape aw (Miner's relative law) to establish
L mtaton Inllowed by damige tolerance evatuation. The
sapiea o sapported by insthehn inteprited ealettlations
considerag Joad swenal precision, elimination of low ampli-
Tt vantony and evele caunting methods. Use is made of
abready avlable Blectrie Flight Control Systems (EFCS) to

real Parces on the arreraft m use. This on-hoard moni-
< ovcabed that the Mirage 2000 reraft was being used
Sreosaanth than conadered dusing design. The structure

Bues Boen subaequentiy strengthened 1nareratt in current pro-

REN TN

Pie cole o tatizie analvsis tor the destgn of military aireraft
Aasdesentted By DER Bochmann i a paper by himself and
My D Wergerher of Deutsehe Acrospace Mibtary Atreraft
SPIANAY D Rochmann aated that, despite many reserva-
tsnoevpressed an numerows publications, the  Miner's
camuhateve damape rule s stif used 3t DASA and widely used
O Eeope tue oorcample and universal applicability. Studies
meve reveaded that the cause of tatigue eracks developed dur-
A Tornade tufl-seale tatigue testing were due to the Jack of
weafses e anaban ftwae concluded that a change in
desten ph losophy from tafe e to “damuage tolerance”
Ak et have automancally improved ctficiency ot the anal-
v D Hochmann indicated that it s doubtful if Miner's rule
it e replaced by more sophisticated methods for safe life

HRNTG ]

Darvee tderance management of the X-29 vertical tail in the
Froenceof wevers butfetinads was deseribed by Mr J Harter
e USAE B nip acceleration devels of 110 Ga oar 16 H2
were expenienved during initial flight testing of the arreraft,
Mrhough the nreraft was not imtislly designed according to
Aarvage tolerunce pinciples, it was posable o apply these
prnoples o manage the safety of the wreraft the ugh com-
rlenon of the Mlight test program. A crack growth prediction
mexdel e MODGROG was developed and three-dimensional
s rack zrom thanabyas performed at a critica) location near the
rowt ol the fin between Might divs. The minimum crack growth
ffe i rermsonf buffet events was determined from a 0.0} x
e ainch corner Gack atthe entical hole. Time in butfet and

13

the number of buffet events were monitored and allowed safe
complétion of the Might test program, R

A comparison of US and UK approuches to fatigue clearance
of the Harrier [T aireraft was presented by Mr ES. Perry of the
Military Aireraft Division of British Acrospice Defenee Ltd,
The UK requirements for fatigue elenrance include anulysis
using the nominal stress Miner's cumulative damage rule
together with un §-N equation for bolted joints derived at the
Royal Acronautical Establishmeni (RAE) by R.B. Heywood.
The US method used by MceDonnell Aircraft Company
(MCAIR) is based on a stress concentration factor/design
limit stress (RUDLSy approach. This method is based on local
strain unalysis using Neuber's rule. The two methods are dif-
ferent in that the nominal stress approach cannot account for
notch  residual stresses whereas the KtDLS approach
accounts for this, However, the paper debates whether this is
important. In fact the results from a comparison lead to a con-
clusion that there is little to choose between the two methods.

A paper, entitled “Fatigue Design, Test and In-Service Exper-
ience of the BAe Hawk by Mr ). O'Hara of British Acrospace
Defence Ltd. was presented by Mr Alan Humble who
deseribed design of the Hawk to AP 970 safe life require-
ments for a 6000 hour life with scatter factor of 5. A full-scale
fatigue test has been used to Jead the fleet. Incidents arising on
the test are handled by several approaches including S-N and
fracture mechanics analvses with modifications and/or rou-
tine inspections, Although fatigue analyses are based on the
Miner’s rule approach, the key to good fatigue (damage toler-
ant) design is the choice of materials possessing  good
resistance to erick growth,

Reduction of fatigue load experience as part of the fatigue
management program for F-16 aircraft of the RNLAF was
presented by Mr DUJ. Spickhout of NLR. The loads monitor-
irg program for this aireraft uses an electronic device capable
ofanalyzing a calibrated strain gage on one of the major carry-
through bulkheads of the fuselage. Thisis done ona sample of
the fleet and. by using a large centralized data base system,
individual airplane trackingis performed. The fatigue damage
per flight is calculated in terms of crack growth through the
use of a “Crack Severity Index” (CS1) using a crack closure
madel. The RNEAF F-16s are flown more severely than other
Nleets of F-16s and wttempts are made to reduce erack growth
damage through reductions in stress per G by take off store
configuration manipulation. Thus, reductions in fatigue load
experience are achieved on individual aircraft,

An overview of the F-16 service life approach by Mr LW,
Morrow of Lockheed Ft Worth was presented by DrJ.W. Lin-
coln. The F-16 was the first aircraft designed to the-USAF
fracture requirements from its inception to an 8000 hour life
with a factor of two. The safe life approach, abandoned in the
carly 70s. did not account for initial flaws and had shown poor
correlation between test and service, The presentation
covered all aspects of the structural integrity program with an
introduction to the F-16 airframe, design/prediction appro-
aches, test policy comparisons, fracture control phan, force
management approach and a considerable list of lessons
learned from which subsequent programs have gained consid-
crable benefit,

In reviewing the 19 excellent papers presented during the
Workshop and listening to subsequent discussions, it became
abundantly clear that, even after 150 years of fatigue analysis
methodology development, the hope for a universal approach
to future fatigue life prediction is not in sight in the foresce-
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ahle future. Many still feel comfortable with the Miner’s
cumulative damage rule approach, perhaps on account of its
simplicity. even though it has heen demonstrated to be uncon-
servative in its predictions, in some cases by an order of
magnitude. This fact surprises Dr Schiitz and me but is ada-
mantly defended by current users. Other rescarchers,
recogmizing that .l fatigue life is a crack propagation pro-
cess from the fimst load application, are plowing new ground
by developing total fatigue life crack growih models that
include cracks initiating from microstructural inclusions.
Such models appear to offer a prediction capability within a
factor of 2. It was noted during discussion that the damage tol-
erance phidosophy is used world wide for commercial
transport certification and for aircraft designed for the US
Air Force. 1t was generally thought that the safe life approach
was confined to military aircraft designed in Europe. This of
course is not the case in Sweden nor is it the case in the
Netherlands for hife management of military aircraft. How-
ever, Miner’s rule analysis appeared to be generally favored by
tary witeraft desivrr. in other ceuntries W Furope,
Significantly though. considerable effort appears to be
exerted n these countries and others to make sure material
selfevtivn “rovides for ow crnck groseth gl high sesidual
strength, a property characteristic of damage tolerant strue-
tures. The need for paying attention to geometric details,
manufacturing quality and Iull-scale fatigue testing — ingre-
dients of good fatigue quality — 1y also @ common refrain
among all groups. This has not alwavs been the case in the
past. As mentioned carlier the crack closure concept appears

to be emerging as the most popular for variable amphtude
crack growth predictions to support the rapidly growing
damage tolerance philosophy. Still,  have confidence in some
of the simpler models such as the Generalized Willenborg
model. As a member of the Certification Service for the FAA
one thing is clear, clarificd even lurther by Workshop 2, irre-
spective of the Tatigue incthod used whether safe lfe, or
damage tolerance. whether Miner's rule or KtDLS, whether
crack closure or Generalized Willenborg model. all fatigue
analysis methodology used to certifs an awreraft type must be
validated hy test.

Another personal obsersation: as we look at recent deselop-
ments i state and rotating engine components, rotoreraft
dynamic components, new commuter atreratt, hndges, nuc-
lear reactors, aging tankers, tractors — and on-and-on, 1 iy
inevitable that damage tolerance will emerge as the safest
and or the most eont-cttective means tor maintamning structu-
ral mntegrity. However. this statement assumes  that an
wfrastructure evtcber perfonning faspecnons cither durmg
nitial manutactunng or according to 4 mantenance program.
Nevertheless. particulardy in airframe components, because
i the widlempresld duimiage taie itk e (s sl dherments
multi site damage and mult clement damage, we will need to
combine all three philosophies: sate fite. farl safe and damage
tolerance.

In the mtenm, ire we not all fortunate that “there is more than
one way Lo solve an engineenng problem”™,
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SUMMARY

The development process for a new aircraft requires the
successful completion of a number of tasks established
to ensure that the structure of an aircraft will meet ity
design objectives. In addition, for aircraft that have
been deploysd, there are & number of tasks that must be
accomplished to ensure its operational success. dor
both military and commercial ieeraft, the tasks o be
performed are largely dictated by acquisivon or
certilication agency requirements. There is
considerable historical evidence to prove that when the
requirements were lecking in some respect, the
structural integrity of the resulting aircraft wis also
fuund to be Lacking. Many of the problenis with airerilt
structures can be traced back to u fmlure to vnderstand
the threat to their integrity, In addition, many of
stractural problems can be sdesilied with an wnrealisne
assessment of the operational usage ;and werght growth
of the aircralt. Fighter and attack mrerafy, i particular,
have demonstrated signiticantly more severe averige
usage and more variibility m usage than predicted
during its design. Itis the purpose of ths paper to
explore the processes tiat are used o ensure i safe and
operationally economnic structural design for an wreraft.
The USAF Aireraft Structurid futegrity Progriani (ASIP)
is used to iflustrate the various aspects of the provess.
‘The current approich used lor the ASIP by the ntted
States Air Foree is discussed along wiih a discussion of
problems encountered in prachice  In addition, some
recommendations for improvement of the mtegnty
process are mncladed.

NTRODUCTION

Aircraft structural integrity 1s the charactenistic of an
u:lpi.uu. dial Caablos it to wadintiad B Toads
environment and usiage imposed during service. 1he
need for formalizing an mreraft structural integnty i
the Air Force was first recogmzed m 1958 when there
were a series of catastropne wing Lnlures on B-475 it
were caused by fuiigue. The Air Foree Chiel ol Statt,
Gen Curtis LeMay, approved the minanon of the
prograum in i May 1958 meamorandum e tssued o
policy directve on 19 Novenber 193% it required i
commitment from the major commands A complete
history of the ongin ol the progrim ity be found m
reference 1. ‘The objectives of the structural miegnty
program were (o control structural tature of operational

aircraft, deiemmine methods of accurately predicting
aircraft service life, and provide a design and test
approach that will aveid structural fatigue problems in
future weapon systems. These objectives still constitute
the basis of the present USAY Aureraft Structural
Integrity Program (ASIP).

I'he origmal ASEP used a reliahihity based approach to
establish the operational life. This was referred to as
the “sate hie approach.” "The safe hfe approach relied
upon the results of the taboratory "tatigue test” of o tull-
scate article o the spectrum of loadmg that sunulated
the service operationad environment ol the aircratt The
“safe hie" of the airpkine wis estabtished by dividing
the number of suceesstully et simalated light Tivurs
by a factor (¢ g, four was commonly used by the
USAE) The mient of the factor was to account for
AR o Al Lo
manutactunng qualiey atd wiis thought to be sathicient
to preclude structural Lalure i service aurerity
attubutable o maternds, or manutacturmg quality This
concept was the basis foe all new designs dunag the
1966, 1t was also the concept used o establish the
“safe Te” for earher designs when these ireraft were
subjected to a fatigoe test Ybe approuch appeared to be
successful as exenmphfied by systems suchas the C-141
The C-141 has generally had an excellent satety and
overall seevice record, alibough some ot the nutenals
chosen and some ot the structantl detuls used s
wreraft have comsed service problems i s later hte

aterials and

Fhere were, oweev e, g caes dunmg e Yoo
where senvice expertence Wi unsatistactory and the
“safe fite” approach became suspect Catastropdng foss
ot an B-11HT i 1969 demonstrated the "sate dite” method
had not preciuded the use of Jow ductthty matenials
opchating ot o Cunnequantly s doaiga
was intolennt o nanutctiring and service induced
defects This was evidenced. also, by Biilures incold
proottest Swee the program was nuiated alter the
1969 acadent, there have been over tea sigmlicant
Lulures e cold prool st areraft thit were
considerably short of then testdomonstrated siale hie
Sotne of these were tound e be the sesatt ol simall
detects mdueed by mamtenince actns . Other Josses
e 1S, B-52apd - 3% and madents ol senoas
cracking (¢ g, KC-135) dunng ths penod contionied
this shorteommg. The abthty o nspect these cavly
“safe Tufe™ anreratt wars sigmticandy impacted by ths

Presented at an AGARD Meeung on ‘An Assessment of Faugue Damage and Crack Groweh Predicnon Techmquen,
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intolerance to defects and cracks. In many applications,
it was found 10 be extremely difficult to inspect the
aireralt. Since inspectability of the aircraft was not
required as a part of this approach, many details were
found to be outside the 1960's inspection capability.
Relatively, small cracks and defects could readily escape
detection with dramatic consequences. In these
sitrations, a modilication program was usually the only
viable altermative.

‘The shortcomings ol the safe life process as illustrated
by the cited service incidents demanded a fundamental
chunge be made in the approach to design, gnalification,
and inspection of aireraft. An improved reliability
approach and a damage tolerince approach emerged as
the candidates for this change. The damage tolerance
approucia recognized an mreraft was subject to i wide
runge of mutaf quiahity frons the manutactring process
and from service indusceed damage imd 1t had o be
nspectable. To ensare the design could be operated
safely i the presence of such anomahes, the structure s
designed 1o be tolerant to these defects for some period
of service usage belore there is a need for au inspection
The damage tolerance approach can be used to
determine the penod of safe operation, ealled e safety
hnat, and rege: red eespecnonaintervats The ane
appreach 1 used Tor existing designs as well as new
The ditTerence is thatinspection intersals ay be more
castly controlted in a new design The damage
toleramee approach was used to npgrade the structural
ntegrity ol severil operational aireratt (¢ g, the F-111,
C-SA and I'-4) i the earty 1970, leinfluenced the
design of the F-1§, and was i basis for the design
cnterit tor the B-1A - The success of these endeavors
convineed the Air Force damage tolerunce should be the
basts tordl future designs  In December of 1975, the
dinmage tolerance approach was formally made a part of
ASIP with the pubhicainon of reterence 2 During the
1970's and 1980', the Air Foree performed an
INSCSSIICDIT ON ey ery ajor areriaft weapon system
usimg the damage wlerance approact to develop
appropraite mspectiow/modification programs o
mamtun operational satety  As an mdicator of suecess,
the farlure rate for all systems designed to and/or
wamtnned o the dmage tolerance policy is one
areraft kst dae to stctural reasons in more than ten
mudhon hight hours: This is aigmificantly fess than the

overall areralt Joss cate Trom alf causes by two orders of

magnitude

The current version ol the ASIP ineIndes five separate
tasks that cover allispects ot the deselopment and
support of an areratt structore. These tisks, some ot
winch are shiown in fignre 1are wdentified as follows

I Design Information

2. Design Analyses and Development Tests
3 FFufl-Scale Tesung

4 Force Management Data Packege

5. Force Management

The primary focus of the program is to ensure the
structurad safety of Air Force aircraft. As indicated
above, this has been accomplished such that the pilot is
exposed to less risk from arcraft structural lailure than
he normully aceepts in other activities (¢.2., driving an
automobile). Much ol this success has been atained
through the utilizaton of the resuits ol the individual
tail number tracking program. ‘This program is a main
(eature of the ASIP. This wracking capability has long
been recognized as an essential Teature of “w mitegrity
program since expenence has shown awreret are often
used differently than they were designed. There are
many examples of this One of these is the 1°-16, which
is being used approxinuately a factor of cight times more
severely than it wis designed 1t would be impossible
to operate thas meendtsately wathout the data teng
derrved trom the wreraft fracking program The
1--16A/8 tracking program has been adversely affected
by the operitor removing the fhight datarecorder and
replacing e with a video cimera Inspite of this
problem, there has been sutticient data o adequiately
support this progrant - Another program s hiere the
trackin program his proved to beanvituable s the
t-15 The current usige on the I+ 1S5 15 approxunatety
tour tmes more severe than that nsed in design The
tracking prograns s res ealed this is maunly attributed
to werghtinereases and to operations at Mach nombers
that are gher than onainally expected e normat
load factor expenence is gute close 1o e design
estimates  he kg program has been able 1o
wennty the extent of operational nsage where buttet
loading on the wing and the vertcal tul has cansed a
significant nuuntenanee cost tor the user Tins
mformiation was nsed to design and test modifications w
the components  1he A 1O earty operitional senviee
dhtay, as denved trom the traching progrim, showed the
usage wins approsimately theee tmes mere severe than
the orgnil design uvaze os weas partly due toan
mereise e the normat load tactr spectrant ind partty
due o tuel foahngs that weren excess ot desien

These usage changes were saecesstully compensated tor
by modifications toan-service aerat and by dumges
the production inreratt

The recording device that was the standard ain the pist
lor the trucking program, and i sull bemg used, s
tape systent It s been proven by operational
experence this device 1s not techmcitly sible to attam,
by a considerable nuargin, the daga capmre that was
potentidly posstble The new nncroprocessor systeins
luve elimmated the past problems and the carrent
evidence shows the data captare s near the nasimnm
poteatial

The other ninn Tocus of the program s to ensure the
arcralt are beng operated i the most econonncal
manuer possthte The ASIP firs evotved over the years,




primarily through the efforts of the Aeronautical
Systems Center, into a process that develops aircralt
that are tolerant to both manufacturing and service
induced damage throughout their design life and usage.
Ex»erience has shown it is rare for an Air Force aircrail
1o t ¢ retired because of structural degradation due to
fatigue cracking. This type of degradation normally
oceurs on a single component of the aircraft rather thun
the entire aircraft. The diwnage wlerance approach is
directed towards repair, modification, or renrement of i
component only when in-service inspections reveal one
of these actions should be taken. ‘There have been mumy
cases of structural modification to preclude retirement
of the aircraft. Examples of this include the B-52D,
C-5A, KC-135, F-16, and C-130.

During the seventies and eighties, damage tolerance
assessments were performed on all major weapon
systems 1o update their Force Structurad Maintenimee
PLims (ESMP) und their tracking programs. These
assessments are discussed at length m reference 3 1ty
believed the dimage toleramee approach meorporiated m
the integrity process i the seventiesas sul! the
comerstone for protectimg the satety ol aging wireratt
Service experience has demonstrated this. Since these
assessments have been successful in mamtaining safe
and economic operations, it has been exiremely difficult
o maintain the level of funding for the ASIP that 1s
reeded 1o ensure the continued success of the program.

Another problem 1s the constrinnts pliced on the ASIP?
managers by program nanigement. Progrim
management faces pressures of schedule and cost that
does not alwirys pemint adequate attentton o ntegnty
concerns such as corrosion control -~ Also, these ASIP
manigers are so burdened wath detal manenance
problems they have little time to devote to the
consideration of broader issues for their areralt. An
example of a broader issue 15 the determination of when
to expect the onset of widespread fatigue damage such
as that revedled mthe inner o outer wing jomt of the
C-141 Another example 1s the ummticipated cnicking
inthe A-7D wings that led w a structoral Tnlure i
Deceniber of 1988 Sull another example s the
identificiuen of pondestructive mspeenon capabthty
that will enable them to mspect more accurately and
econouncally in the future

‘The opeeationat usage of T'SAL mreratt s often found
10 be considenubly different from that used i design.
‘This vas pnmanly the resualt of mereased weight and
mission changes. Many aircrefi, such as the i-52,
C-130 and C-141 are Nymng in a low level environment
where the damage from cychie loading s approxamately
ten nmes worse than a high alutude mission 1t wits
found mreraft were beng tlown much more
aggressively than that assumed tor the design Also, as
was found m the case of the - 16, the werght was
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changed without compensating changes to the structure
of the aircraft.

T Y SITION PROCESS
System acquisition progruns in the U.S. Air l'oree
typically go through a total of five phases. These are:

Concept Exploration and Delinition
Demonstration/Vlidation

Engineering and Manulacturing Developnient
Production und Deployment

Operations and Support

It is not essential that all of these phases be mctuded. In
some cases some of the phases may be combined.
Circumstances such as a decision to procure in mreraft
that has already been cerufied by another agency would
chminate and/or combme some of the pliases above

There is very hule structural eftort required m the
Coneept Lixploration and Detimtion phirse  [n ths
phase paper studies are typically performed w explore
altematives,  These siudies wlow companson of each
alternative on the busts of ¢ost and operational
effectiveness. This plise would conclude wath 2
decision on the need for jroceeding o the
Demonstration/Vahdanon phase

‘The Demonstration/Vahdation phise is used 1o
reduce the technacal risk or cost uncertannty  The
program oflice wall often tisk the contractor to build a
prototype and/or request tests and paper studhes o
accomplish these goals  Tes anticpated that the carly
part of this phase wonld be used tor i sereening process
so that the final stage of ths phase could be used to
develop data for the selected technologres. [eis n thns
phase that a structural technology s transitioned Trom
the laboratory w the Fagineer and Manu factunng
Development (EMD) phiase 1t a protetype 1s required,
1t places an addiional burden on the sructural engineer
1t1s hkely that strocture ot the prototype would be
different rom the structure of the MDY arrcratt because
the EMD surmetural coneepts may have not matured
Theretore, the structural engmeer has thie task ot
providing a prototype structure that would enable a
meamngtul arrcratt capabibty demonstration

The structural eftortin EMD s completely detied m
reference 2. At the suceesstul complenon of this plise
the aiscraft structure will be approved for production
The data will have been generated to write the Strength
Sumnaary and Operating Restncnons Report and o
linahve the Force Structural Mamtenwamee Plan e, the
how, when, and where to pertorm e structural
ipections regntred to nspntan safety and cconome
operation) The methodology will have been developed
to perform the tnl number tracking required to obtnn
mdwvidual usage data

X
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The schedule of these phases is, of course, dependent on
many considerations. One of the more important
considerations is the scope of technologies development
required before EMD. Another important consideration
is the requirement for a prototype. If there is no
significant technology development or prototype
required then the time required for the
Demonstration/Validation phase may be as short as
three years. A prototype could stretch this time by
approximately two years. 1f sigmficant technology
development is required then up to an additional five
yeais may be required. Therefore, a program involving
u prototype and technology development may impose 4
ten year interval from the start of Concept Exploraton
and Definition to EMD sut. The EMD schedule is
subject to considerable variation because of eflects ol
airframe size and complexity. A spread ol five to nine
years from the start of EMD to 10C (initial operational
capability) is not unreasonable. In the EMD schedule
there are several milestones that are crucial to
technology developiment. The milestone befe re which
the technology must be comptetely matured ¥, the start
of the flight test program with an 80 percen: »f limit
load restriction. By this point, the stress an:lysis will
be submitted ang approved. Therefore the fmiat loads
are avinilable and final allowables tor the matertals must
have been established. However, betore this nnlestone
1s reached, the prograum would have had s Cnineal
Design Review (CDR). At this pontin the
development the contractor should have completed
approximately 98 percent ol the drawings. Thut is, the
final sizing should have essentially been completed. 11
the material allowables are not completed by this time
the contractor (and correspondingly the govemment) i
operating with some risk o both schedule and cost
Theretore, the contractor should ann Ins technology
development progrim to be completed (e, Tinal
allowables, etc 3 by the Prehmmiry Design Review
(PDR). This mulestone would provide approximatety
nine o twelve months atter stirt of 1M1 to complete
the technology development  1his tine could be used
a4s 8 gage o esnmate the degree of completion needed
at EMD start.

Technology Trunsition

To he successlat in the development of i new areratl,
the structural nuegnty etfort must begin betore the
l:ngimeering and Manutactenng Developuent phitse of
the program 1o the T'SAL, the stnircturid actovaty starts
in earnestin the Wneht Laboratonies even belore the
Demonstranon/Validation phase  Howevero it
normally the Demonstration/Vahdanon phase thit s
particularly critical lor the trausinon ot structural
technology from the laboratory to the wreraft. There
are many examples of successful transitions of
technology from the laboratory to full-scale
dexelopment Matky of thewe stccesaes were detived

from a well-conceived plan or "road map” that formed
the basis or criteria for technotogy transition. In
general, these road maps have included programs
directed at severat fevets of technotogy maturity. "Jhese
levels are referred to as basic research, exploratory
development, advanced devetopment and
manufacturing technology develepment. Most of the
advanced development and manufacturing technology
development program effort is directed towards the
demonstration of the technology by means of the
manufacture and testing of a specilic piece of hardware.

A key element ia the development of the road maps was
aknowledge of the threats (o structural integrity from
the environment m which the structure must be able to
perform s tuncnon  The wnderstanding of these threats
typrcally is derived from experiences with other
matenals. ‘There are sitwatons, however, where a new
materid may be sensitive to a threat that in the past has
not been a major factor. The types of threats that one
should consider in the devetopnient ol a new materiat or
process are shown in figure 2

A study of those successtul road maps for tresition
of technology to full-seate development reveals that
they had certaun factors mrcommon  These tactors may
be combined to forn a crienon tor the transion
process 1o be suecesstul

From a study of the successtul transiions of structural
technologres from the laboratory to tull-scale
development it was found dut five Tactors constiteted a
common thread among these seecesses  Also, it wis
tfound that these five factors were essential to the
successtut comnpletion ot the gisks of the Pinted States
Arr foree Structorat Inteyrity Program (ASIPs - These
ve Lactors e

Stabthzed inaterial and/or nunteriaf processes
Producibihity

Charactenzed wechunical properties
Predictabitity of structural pettormanee
Supportability

In this hsting there wis no attempt to estabtish a
ranking ol importmee of these Lictors A deticieney n
any one ol the Bictors could conststute o tatd detect A
deseniption o each ot these tive Lactors mvotyed m the
transttion of structarat echnologies to tell-seale
development s given mreterence 4 The relstion
hetween the phases of the iieguisttion process,
technology trmstiion, d the ANH? s shown m figure
3

DISCUSSION OF THE TASKS OF THE ASIP
Stace structural fatlure trom latigue was the motivating

factor for the ASIP imtiative ain 1958, 10s reasonable
ek o dnnenlser ool e leoniestade ol e AN e cownancialind




with the infleence of repeated loads on the structure.
This is shown by figure 1. In afl five tasks of ASIP,
there are significant elements related to repeated loads.

Every element of Task I of the ASIP is critical for the
aircraft to be suceessful in the repeated loads
environment. The ASIP master plan provides a living
document on what is planned to be accomplished and
the results of tests after they are performed. The
preperation of this document is typically started in the
Demonstration/Validation phase of acquisition. The
first draft of this document is subnulted with the
proposal for the Engineering and Manufactunng
Development phase and is updated regularly throughout
the development and operational lile of the aircraft.
Task I could be considered the most important of the
tasks ol' ASIP. The reason for this is that mistakes made
bere in structural design criteria for durability and
damage tolerance, for example, could jeopardize the
entire development. The same is also true for
establishment of the desizn service life and usage of the
aireraft. The burden for the success in Task | rests
mamly wiin the acquisiton avinoruy. Toe operating
command that is to use the wreraft also has a major
role. The using command specifies the usage
chviratitiont for which the airoratl © cxpeeted
operate. This 1s a particularly difficult task in thatf the
usage they specify 1s less severe than that o be
experienced in operanonal service then there could be i
significant economic burden for structural
maodifications. One of several examples of this s the
case of the A-10. In this case, the initial fuel weight
was based on mission requirements rather than using
full inina! fuel as was experienced in service. 1T the
usage they specify is too severe or if there are missions
specified that are not operatiomlly flown, then the
weight of the atreraft could have a adverse impact on
performance. An obvious example of tus s the C-SA.
A major function in Task I where the contractor is
involved 1s the selection ol matenals and processes. It
is of utmost importance that the material and process
selection be essentially complete by the end of the
Demonstration/Validation phase in order to proceed
with confidence in the EMD pbase and meet the EMD
milestones.

Itis in Task 11 of the ASIP that the sizing of the
structure 1> accomplished to meet its operational
requirements. This 1s aceomplished through numerous
analyses and tests. ‘Fhese analyses and tests ire directed
atspecific structural details that could be ssbyect to an
inspectinn during the operational life ol the aircralt
These detzils are called crincal locations. Itis one of
the functions of Task Il to make an ininal identificaten
these locations It is difficult to say that one of the
elements of Task II is any more critical than the other
[lowever, the loads analysis is certainly a strong
candidate for this distinction The reason for this, of
course, i$ the severe impact of an error in loads on the
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durability and damage tolerance capability of the
aireraft. Further, some of the important operational
load cases involve high angles ol attack and/or side slip.
Consequently, there 1s olten considerable dilficulty in
making an accurate load predictions. The generation of
the design service loads spectra is usually straight
forward in the case of lighter and attack aircraft. That
is, aircraft where the elfect ol turbulence can be
ignored. There are cases, bowever, where buffet loads
may bave a signilicant impiact on structural integnty
and coasequently can notbe 1gnored. Suchi a case is the
1--15 that has sutfered butlet load damage on both the
wing and the vertical tul - A description of how this
wils solved on the =15 vertical tail is found m reference
S. In the case of bomber and transport category aircraft,
there is the added problem that the loads and
consequently the phasing ol the components of the
loads can only be represented by their probability
distnibution Tuuctons. Tns siguificantly compheates
the generation of the design service loads that are to be
applied to the full-scale testarticle A method tor
accounting Tor the load phasig associated with
trbutenee 18 deseribed i rererence o s approacn
was used i generating the oading sequence used on the
C-17 durabtluy test Atter the design service toads
speetri fras boont gotrorated Ter o atroradt, e stress
spectra for each of the entcal locations can be denved
This effort uses the results from the stress analysis

The USAI guidance for the dimage tolerince anatysis
for the metallic structure s bised on an imual Taw
concept. The imual flaw concept and the derivanon of
currently used imnal flaws 15 discussed i reference 3
The gurdance on the size of the imtial flaws s given m
reference 7 The USAL gmdance for most of the
durability analyses 1s that they also be performed nsang
anmtid aw concept The imual [Taw used for these
analyses ts hased on the Lirgest defect that could be
expected to be in any given ureraft (see reference 7)
Consequently, 1t s smaller than the dwnage tolerance
initial flaw size.

[tis worthy of note that many of the elements of Task 11
are oriented towards a fracture mechames onented
dumage olerance approach  However, there s, m fact,
fittle difference 1 the scope of the etfort assoctated
with a safe life anaiysis  101s essential in both
approaches to perform the loads analyses, stress
anelyses and obtnn the stress spectra for each cntwal
locanon These are the tume cousumipg, and
consequently the costly tasks 10 usually a small
difference in computer tme that causes the difference in
analysis cost between the two approaches

Under certain restnctions, the sale e approach tor
¢nsuring safety can be demonstrated to be adequite  In
most examples of the use of safe hie on modem
milittry aireralt, testing ot the tull-scale aircralt s
accomplished  1f tns type of testing is not

!‘




LP-6

accomplished, then the structurat engineer is forced to
make a judgment on the "effective stress concentration
factor”, or K| touse in the fatigue analysis. The fatigue

data displayed in reference 8 appears to have an
effective stress concentration of about five. As shown
in reference 9. there is a significant difference in the
computed life derived from a change in K from five to

six, for example. Without an adequate test, that is truly
representative of the expected flight-by-flight usage and
stress distributions in the airframe, there is no method of
determining the magnitude of the effective K of the

structure. Therefore, the results of a safe hle analysis
without supporting test data are subject 10 such
uncertainty that they are not usable, Another restriction
on the use of safe life is that its use should be restncted
to marerials that are reasonably insensitive to the
defects that could have resulted from the manufacturing
process or as a result of operational service. An
example of the sensitivity of a steel engine mount to
smalt defects is described in reference 9. The Liilure of
the safe life approach for early USAL mreraftis
attributed to the fact trat they, i most cases, did not
Lave an adequine fatigue test This was the case for the
-4 and the C-130, as examples. Also, as evidenced by
aircraft such as the KC-135, the USAF accepted designs
with low toughness materials that operated at stresses
that made them flaw sensitive. Finatty, the structure
shoutd be designed o be inspectable. [tis impossible to
represent all of the potentiat environmental elfects ina
laboratory futigue test. It is also diffreult to know
whether the safe life scatter fuctor adequately accounts
for the varraton n quality of production arrertt. For
these reasons, 1t s essential that aircraft be subgected to
inspection durmg the course of their operatianal service
In the event that an mreraft has been subjected to a
representative ftigue test, s constructed with matenals
atstress levels that would satisly the damage wlerance
gwdance, and 1s mspectable, then it could be quatified
by the sale lile process. If all of these stiputations are
incorporated, itis evident that the materials and stresses
ard contiguration would be Dittle ddTerent from a design
based on damige tolerimee pnngeiples

Another ertticat elTort in Task [1is the design
development iests. These are the coupon, clement,
suheomponent, and component tests tat torm the
hutlding blocks for the understanding of the structural
perforniance under environmentad loading  Tlie costs of
these tests can be a sigmiticant part ol the entire
structurad devewspment program. Consequently, these
tests may fall victim to lunding shertfalls in the
program. Experience has shown that a successfut
design development test progrium is the only way to
ensure that the risk is acceptable for the full-seale test
program 11 Task 1. 1tshould be a program objective
ty enter the full-scale test program with low nsk
Failures in full-scale testing can create very serious
program schedule disruptions aud cause a finimaat

burden far in excess ol what would have been spenton a
sound design development test program.

The suceessful completion of the full-seule testmg i
Task 111 is essential for keeping the acquisition process
on schedule. There is niever enough time and money
available to ensure that there witt no risk ol structurat
failure. Jowever, as indicated above, with proper
attention to the design development testing in Task 11,
the risk ol a major [ailure could be made to be low.

It has long been recognized that early testing of the futt-
scale strucwre was important. Afthough the early
arrframes are generatly not completely representative of
the final configurations, it is essential to get early
information on deficiencies so they can be corrected in
production. The C-5A program is an example where
hoth the static imd tutigue tests were perlormed after a
sigmiticant number of production wireraft hid been
produced  Both of these tests resulted in senous Lnlures
that occurred sigmticantty short of the design
requirements  Becanse of the Lateness of the ests, no
changes were wcorporated m auy of the production
wireraft. Asaresult, the mreratt had o operate under
severe restriction unul the entire fleet could be
retrofitted with new wangs. ‘This, of course, was a
major expense to the government.

As indicated i reference 3, a precept of the dimage
tolerance approach s the satety of the areraft and s
ceonantic operanon should be mdependentty proven
The diomage olerance analysis, supported by teshng,
wils the bass for safe vperations ind the full-seale
durabitity test was the basis for estabhshing e
ceononne burden assoctated with service asige The
damage tolerimee analysis, supported by testing, has
heen effective madentity g arcis of e aireraft et
could potentially cause asatety problein 1ois desirable,
however, to ensure they have beendentitied through
the full-scate durabality test The spectrum used by the
USAF for both the dnnage toleramce and durathiy
anabyses wnd testingas the expected average usage
MIL-A-SSOTBUSAL) (reterence 100, which was
refeased 22 Angust 1975, skated the tatl scale duramhty
test shonkd be run Lora mmunimm of two hictines
unfess the cconomic e was weached pror o two
fitetimes  The ceonomie hte ol a strnctoral conponent
15 reached whien it component 1s nore ceononug o
rephice han repaar - Lhe econonne lite ot a companent
s extremely difficubt o detemune anatvocally - Ttinay
he, however, demonstrated m durahty testme he
same guidance that was given m MIL-A-SRGTRIUS ALY
was given Liter m AFGS-87221A teterence 7). Lhere
was no puidance given, howesver, on the rationale tor a
need tor esting tor nore i two htetnnes
Consequently, 1t his been a progrinn deciaon to test
cvery ureratt tor two litehnes sinee 1975 All the
Known service expenenice demonstriates it an areratt,
after saecesstully passing i tw o hitetmre Urght-by - theht

*
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durability test, will not reach its economic life in one
lifetime of service usage representative of the test
spectruin. There is a question, however, whether a lull-
scale durability test that simulates (wo lifetimes of
planned operational usage will adequately interrogate
the structure to determine all the areas in all aircraft that
could potentially cause a safety problem.

Expericnce with operational aircralt has revealed they
are typically not flown (o the loading spectrum for
which they were designed. Data from flight load
recorders have shown, in general, that there are
considerable differences in usage severity among
aircraft with the same designation. Further, itis olten
found the average aircraft usage is more severe than
originally perceived easly in the design process. This
problem is aggravated by the fact the damage tolerance
analysis may have not identified an area which would
be a concern if the aircraft usage was more severe than
that assumed for design. Also, experience has shown
the mass of an aircraft increases as a result of additional
equipment or modification after an aircraft enters
operational service. In additon, there are differences
because (1) pilot technique chunges as they become
more familiar with the aircraft, and (2) mission changes
becuause of new weapons and tactics. The aircradit-to-
aircraft variability comes from several sources such as
base to base variations in distance to test ranges and
training. These experiences tend to degrade the
capability of the full-scale durability test that consisted
of two lifetimes of average nsage to identify all the
areas of the aireraft that could potentially cause a safety
problem. Consequently, the structural engineer should,
hased on lustorical evidence, make some allowances Tor
increased usage seventy oceurming as a result ol mission
severity changes and aircralt to aircralt variations in
operationil usage. To ensure mrcrint durability, this
should be done both in the design of the aireraft and in
the test. The historical evidence of usage differences
derived from changes in pilot technique and mission
changes is generally not easily translatable to new
designs.

A procedure is described in reference 11 that is beheved
to be useful for establishing the duration and/or the
severity of testing that should be performed in a Tull-
scale durability test to ensure that all of the ssigniticant
regions of the structure have beendentified  [ts based
primarily on data that 1s could be derived trom the
exinti g mralyses ad developiiont tostine - Nooenw
problem discussed in reference 11 indicates tat the
length of testing required using an average spectrum
may be uneconomical. 1lowever, it appears practical to
increase the severity of the spectrum to provide for an
adequate test and to complete the testin a timely
manuer.

‘The procedure also provides a basis Tor the suceess of
the test. During or at the end ol the lull-s¢ale durability
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test, a crack may be lound that initially appears to be
significant. This would not automatically indicate that
the structure has failed to pass the test. 1t would,
however, indicate additional investigation should be
undertaken. A fractographic examination should be
conducted to determine if the crack growth was faster
than predicted. If it was found to be laster than
predicted based on the carlier analyses and tests, then an
investigation should be conducted to determine the local
stresses and the Iracture data (crack growth rate) for the
material used in the full-scale test article. An
assessent should also be made o deternmne the
implication on the damage tolerance derived inspection
program. After a study ol all available information, a
judgment is then made on the need for aircralt
modification or additional inspections o mamtain
economic and sufe operational aircraft.

1tis often found that a region or part of the aireraft
needs to be redesigued hased on Lailure in the durability
test. There may be occasions where the redesigned part
is obviously robust enough such that additional testing
is not required. llowever, in general, the redesign
should be subjected to the same nigors of testing as the
original mrtrame. This can often be accomphshed with
acomponent test. However, there are some cases where
this 15 not practical Thas retesting generally results in
sigmficant costs that were not part of the onginal
funding. The prospect of retesting the arcral't should be
adequate motivation to tuke the necessary precautions to
ensure that the risk 1s low at the start of testing

Another critical elementin Task 111 is the Tight and
ground operation tests - As indweated above, the
analyneal determimation ol loads 1s i process that
requires considerible precision  In many cases,
however, this precision 1s hard to achieve becanse ol the
nonlinear character of the loading process. 16 rare
that the loads are ecleulated with sullicient accuracy
such that no changes are derived Itoin the fhght and
gronnd operation testing. 1t is unportant to get the
information trom these load tests early enough to
influence the lTull-scale static and durability testing
‘The aircraft is released to an envelope ot 8() percent ol
limit load based on analysis only to provide the
capabihity to perlorm the theht loads testung

One of the cniicad elements of Task 1V s the
development of the Foree Structural Maintenance Plan
1SMPL This phaiells the maintser of the sorsdd
how, when and where the inreraft are to be mspected
and/or modified as they proceed through therr
operationdl hives. For new wireralt, the guidance
reference 7 s 10 establish the stresses such that no
inspections are mundatory to provide NMight salety. s
means that the stresses are establishied such that there
are two hfetnnes ol slow crack growth capabiluy Trom
the dimage olerance mntal Taw to cntical crack
tength. However, an mspection should be developed
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that contd be used in ihe case of usage severity or mass
increases. For most inilitary aircraft, experience has
shown that there is a considerable dilference in usage
severity among the individual aircraft. The accounting
for the actual usage of the aircraft is determined by the
individual aireraft tracking program and the
loadv/environment spectra survey. These two elements
work together to obtain an estimate of the stress spectra
for a number of control points in the structure. For
aireraft that are desigred according to the damage
tolerance philosophy, the generated stress spectrum is
used to determine the time at which the damage
tolerance initial flaws would grow t critical. This time
is divided by a factor of two to determine the number of
flight hours that the inspection should be performed.
For aircralt that are operated under a sale life approuch,
the trucking prograni is used to determine, for the
various tracking control points, the life expended
relative to the fatigue test demonstrated fife.

There are several approuches that have been used to
monitor the aireratt for inputs to the individual tracking
program and Jor the Joads/environment spectra survey.
One of these is the use of strain gages to make direct
measurements of strun and correspondingy siress on
e suucdure. Aavihcs -||r|umu.|| ba o intasuie el
functions, such as hocar and angular accelerations,
surface positions, and fuek states to make an estimate of
the stress at any Jdestred control pont of the structure. It
15 the pestition of the USAY thutewh of these mythiods
has their own udvantages and disudvantages for a
particular location. Theretore, the choice wilt be made
on what appears to be the best for the particutar area to
be monitored

As the anreraft ages, the effort m Task V provides the
basins for making modifications to the structural progriam
through the mterpretation otinspection resolts and the
resilts of e mdvvidial roralt racking progren s
an aireraft ages, it is then exposed to multiple threits o
s ntegnty. One example of this s crack growth
aggravated by corrosion. Another example that 1s threat
ol discrele sogror dgnee Lo 4 abrpclre with
widespread fatigue damage. The fatter example has
heen a problem with several USAE ineeroft such as the
wings of the KC-138, C-5A, and C-141. The problem s
turt widespread fangue Jumage can degrade the fal
stfe capability of an reridt The approach that his
been used 1o assess tns problem s based on
determimation of the probabitity of finture erven that the
Jisorcte Lamage W oocurred Amcthod b
determining ths conditional probabiny of farlure s
discussed in reference 12,

SUMMARY
The dtegrity process catled the USAE Nreraft

Structurat Integrity Progrim is betieved to contnn alt of
the elements required to ensure that aircraltstructure

designed with this process witl be successful in meeting
their operational requiremaents. 1t it further believed
that other approaches coutd be uscd to achieve
structural integrity. ‘The successtul deployment ol
numerous atrcraft has proved this o be true. One key
feature, however, of any approach is that the structural
engineer needs to exercise prudent judgment that will
contain the risk of failure to an acceptably low level us
the program proceeds to higher and higher levels of
funding requirements. Another key feature of any
program is 1o anticipate the threat to structutal integnty
for a particular design. New thieats wilt appear as
Increases in performance requirements place pressure
on decreases i weight. As the demand for performance
mereases such that the thermat loading is a sigmiicant
factor, there will be a need to use probubilistic methods
for the assessment of structural integnty. Atso, as the
performince increases, there will be a expanded role Yor
“smart structures.” For the foreseeable future, testing
will remain the prunisy basis for acceptance of the
structure. The advent of composite structures has
certaunly reinforced this position. 'The test reguirement
places a disciptine in the entire structural design
program that probably can not be achieved by any other
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MINER’S RULE REVISITED
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W. Schiitz and P. Heuler
Industrieanlagen-Betriebsgesellschaft mbH
Einsteinstrasse 20
D-855"1 Ottobrunn
Germany

SUMMARY

In the first sections, the requirements to be mei by hypotheses for fatigue life prediction (including those for the
crack initiation and crack propagation phases) are discussed in detail. These requirements are shown to be different
for “scientific” and for “industrial” fatigue life prediction. Aspects with regard 10 an assessment of Tatigue life pre-

diction hypotheses are discussed.

The last section presents the results of a large co-operative programme between IABG and several automobile
manufacturers, in which Miner's Rule in several versions was assessed against spectrum tests with live different

actual automobile components namely:

® Forged steel stub axle

Forged steel stub axle, induction hardened

Sheet steel welded rear axle (front wheel drive car)
Cast aluminium wheel

Welded sheet steel wheel.

Since up to 80 components cach were available, and two different, but typical, automotive stress-time histories were
employed, the assessment was very thorough, avoiding many of the drawbacks of previous assessments.

It is shown that
¢ damage sums to failure were usually far below 1.0,

® they also depended on the component in guestion, the aluminium whecl resulting in the lowest damage sums to

failure,

® the damage sums 1o failure where always lower for a mild spectruin than for a severe one
¢ the influence of spectrum variation was predicted best — among the hypotheses tested — by use of a recent

proposal of Zenner and Liu.

1 INTRODUCTION

The fatigue life under variable stress amplitudes has
been caleulated since 1924 (Palmgren [1]), 1937
(Langer [2]' and 1945 (Miner (3]). Langer suggested a
damage sum of 1.0 for the crack initiation phase and an
additional one of 1.0 for the crack propagation phase;
Miner proposed a damage sum of 2 1.0 10 crack
initiation.

However, this was generally overlooked by later users,
including Miner himself [4] and the total life encom-
passing crack initiation and crack propagalion’) was tor
many years calculated employing Miner's Rule

n. _
ZF,' L0.

U Mere crack “initiation” means a crack of an “engineenng”
size of some tenths to some milfimetres. From a
fundamental point of view, faligue 15 somelimes
interpreted as crack propagation process exclusively.

Since about 1950, the accuracy ol Miner's Rule was
assessed by unsuitable two-step- or "overload”-tests, at
best by blocked programme tests (5], and damage sums
between 0.1 and 10 were obtained. Quite surprisingly.
this did not deter industrial - including acronautical -
users from still calculating the fatigue life of their pro-
ducts 1o this day by Miner's Rule with a damage sum of
1.0. In the same time period, many attempts to improve
Miner's Rule were made (for example [6}), but, in retro-
spect, all were uncuceese,ul,

In 1961 Paris (7] publis red his crack propagation hyno-
thesis

@ ocak
N

which he later (8] extended to variable amplitudes.
After a period in which simple linear [9] or retardation
{10} hypotheses were proposed for the prediction of
crack propagation lile under variable amplitudes, lber

Presented at an AGARD Meeting on ‘An Assessment of Fatigue Damage and Crack Growth Prediction Technigues.,

September 1993,
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published his crack closure measurements (11] in 1968
and model {12] in 1971, on which all significant hypo-
theses lor crack propagation subsequently were based.

In the meantime, servo hydraulic test machines had
kecome availahle [13], somewhat later with computer
control [14], so that lor the first time the fatigue life
prediction hypotheses, including those to crack initia-
tion and for crack propagation, could be assessed by
realistic tests, 1.¢. tests with realistic stress-time histo-
ries. But suzh assessments even today are quite rare in
the open literature, probably because they are very ex-
pensive and time-consuming, if they are 1o be meaning-
ful, see Chapter 4. Most assessments known to the aut-
hors employed specimens, not coinponents, although in
the end the objective is to predict the fatigue life of
components,

2 SCIENTIFIC AND INDUSTRIAL FATIGUE LIFE
PREDICTION
Although this paper is mainly concerned with Miner's
Rule, the following chapters contain general remarks
valid lor all hypotheses tor fatigue life prediction, in-
ctuding those for crack propagation and to crack ini-
tiation. "Iatigue tife” in this paper therelore comprises
the crack initiation or the crack propagation life and
also total life to faiture. Deliberately most examples
given do not concem aerospace applications.

The validity and limitations of fatigue tife prediction

hypotheses can only be assessed when all refevant input

parameters are known, This is tvrically the case in the

development phase where one ay use the term “scien-

tific fatigue life prediction” which s characterized as

follows:

¢ The prediction is asually carried out for small
speclmens;

® hasic data (or materials constants), for example the S-
N curve(s) lor a Miner-type calculation, have been
determined with a sutficient number of specimens;

® the stress-time sequences employed are exactly
known, often no mean stress variations are con-
sidered:

® in many cases the stress level is unrealisticatty high:

® the criticat section of the specimen is kuown as welt
as the crack or notch shape;

® therelore the stress intensity £actor or stress coneen-
tration factor is known, as is the nominal and the
local stress, 1f necessary for the prediction:

® if such a prediction is to be assessed, the reguired
vartable amplitude tests are carried out with identical
spectmens from the same hatch of material. Strictly
speaking, the result of the assessment is only valid
for this batch of material, this specimen type, this
stress-time-history and so on.

An important aspect ol scientific fatigue life prediction
is, that no damage is done if the prediction faifs; the pre-

diction can always be repeated with an “improved”
hypothesis. In fact, this happened with Miner's Rule in

its numerous versions as welt as with many crack propa-

gation or local approach hypotheses.

For industriat applications the story is completely

different in many aspects:

¢ The latigue life of components and structures olien
of considerable size and complex design has to be
predicted.

® The exact stress time history in service is not known,
the stress level is maccurately known,

® Very often, the hasic data characterizing fatigue
strength are incomplete or not available with suffi-
cient accuracy. 1t may wetl be that onfy 310 § §-N

tests, sometimes at one stress level only, are available

for a Miner type prediction requiring assumptions 10
be made with regard to the slope of the S-N curve or

the fatigue limit or mean stress effects. In such a case

any prediction could be off hy a large factor even if
the hypothesis itsell were pertect.

Liven if complete S-N- or da/dn- vs, AK-curves were
available, these are valid only for the one hatch of

material or components tested. In reafity the structure

of even one individual aircratt consists of mauy bat-
ches and the teits of thousand ot cars of one type
manufactured in even one month contain onfy nomi-
nally identical components manufactured hy several
different suppliers from many batches of material.
This problem has nothing to do with the prediction
hypothesis itself and is normally solved by statistical
yuality control fatigue tests with components from
every incoming shizments.

The unportance of correct and reliable basic data has
been emphasized in a gualitative way by the first
author since at least 1980 115]. Recently the large
etfect of even small vaniations of. tor example. the

exponent n in the Paris equation on the prediction has

been quantified i [ 16] where the example of a hypo-
thetical designer of an oflshore structure was pre-
sented who had 10 assume or take from books, tabfes
cte. all of the uecessary input Jata for a prediction ot
crack propagation. Not surprismgly large differences
in the calculated crack propagation lives resufted,
depending on the numnericat values assumed.

® |'or specimen oricnted fite predicuon concepts such

as the tocat strain approach. further severe prohfems
arse from transferability (equivateuce) aspects.
Usuatty small potished smooth specimens are used to
determine hase line fatigue data, but one may well
ask for the refevance of those data for a real contpo-
nent such as i torged stub axle which has been suh-
iected o very ditferent torging and machinmg pro-
cesses. lurthennore. farge components such as truck
axles often show a considerable variability of the sta-
e strength and cychie properties as discussed m
some detail in {17, 18], An adequate consideration ot




such transferability aspects appears to be essential for
such approaches.

® [‘or crack propagation hypotheses, transferability
problems may similarly oceur with regard to the de-
pendence of the hasic crack growth curves on the
product form of the material. Examples are the typi-
cal irregular crack paths found in Al-Li ailoys which
appears to be wxture-dependent. In [19] limitations
with *egard to transferability hindered a realistic
prediction of crack propagation and residual strength
of landing gear forgings.

® ()ften the critical sections of the components are
usuaily not known hefore the hasic constant ampli-
tude tests. It is also not centain that these sections
critical under constant amplitude tests are identical to
those under realistic variable amplitudes {20].

¢ Finite element caiculations, even with very many
degrees of freedom, usually employ too coarse
meshes to reliably lind these critical sections in
complex components, even if the nsually multiaxial
service loads were known with sutlicient accuracy. In
fact, if the critical section and the corresponding (to?
low) latigue lile were known early enough in the
development phase, the component design would be
improved and the critical section would thus move
somewhere else. A good example is given in [21] of
the divergence of F.E, calculations and test results,
where the caleulation correctly predicted the critical
section of the original, but not ol the linal, improved
wing joint.
Itis also not generally true that the component cracks
or faits where the focat strain is highest. Rather the
component witt fail where the strain due to the ser-
vice loads is higher than the local allowabfe strain.
which may well be different in different regions of a
complex component, for example, at weldments and
which may he strongly intluenced by environmental
conditions (e.g. corrosion).

® Very often. assumptions on input parameters have to
be made which control the prediction resufts to a
large extent. An example is the assumned initial crack
size for crack propagation prediction. Large efforts
are, therefore. made to better quantify these data by
use ol test and/or in-service experience within an
LS approach.

The largest dilference to scientific fatigue lile predic-
tion, however. is the consequence of a wrong prediction:
Consider the failure ol an aircraft wing or of 1000 aute-
mobile axte spindles due to Tatigue. Therefore industry
can not rely ¢ such predictions alone, but usuidly
requires fatigue tests, inspections and/or fail safe or
damage tolerant design.
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3 VALIDITY REQUIREMENTS FOR FATIGUE LIFE
PREDICTION HYPOTHESES

These requirements are different for scientific and in-

dustrial fatigue tife prediction.

A "scientific” hypothesis should be able to predict the
fatigue life under ail possible spectra to be expected in

service, 1.€. gust or manocuvre spectra for aireraft, wave

spectra for oil rigs, and for all materials, specimen
shape:., siress levels and fatigne lives, etc.2, [t should
do this with high reliability i.e. the average (mean)

prediction should be close to the actual fatigue life in all

cases, and with a small scatter (standard deviation).
ldeaily, all predictions should be exact in every case,
with a mean prediction of 1.0 and a standard de viation
of zero. This, however, is neither possible nor neces-
sary in view of the many other unknowns.

In the literature a2 number of quantitative requirements
as to the accuracy of such a hypothesis can be lound:

According to Buch (23], it is good if the ratio N, /N

test’* “pred

for all predictions lies within the raage of 0.5 10 2.0.

According 1o Gassner [24], 90 percent ol the prediction
results should fall into a range of 1.0:2.0 on the sate
side, 1.e. should always be conservative.

‘The first author stated in [25] that 90 4% ol all predic-
tions should lie hetween 0.66 and 1.5 of the actual life,
which corresponds to a standard deviation of s € 1.35,

Schijve in 1987 {26] required all crack propagation
predictions to fail within 0.6 to 1.3 for a "good” hypo-
thesis and between 0.5 and 2.0 for an “acceptable” one.

In 1991 {27] he stiffened this requireinent and required a

crack propagation hypothesis to correctly predict the
crack growth of every indi- .dual .hight in a flight by
flight sequence.

An Industrlal fatigue life prediction hypothesis would

be good cnough 1t it were abfe to predict renably the life

for the prodacts. the fatigue lives and the spectra in
guestion. A truck manufacturer for example only needs
to predict the life of truck components ete. and only at
the long fatigue lives corresponding to > S00.000 ki or

> 108 cycles under a typical. severe customer spectrum:

he is not interested i riveted aluminium stacture typi-
cal lor aircraft. ‘The prediction also should always be on

2 fn the authers opimon 1 s Bl necessary . however, (o bhe
able (o predicc unrealistie “overload™ or (wo sep” fatigue
lLives, hecause such stress time stories do noCoccur in
service and an otherwise usefut hypothesis might he
rejected 1o this way. This view is not shared by other
experts. see for example {22].
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the conservative side, although not to far to avoid over-
design.

However, even a perfect hypothesis would only give the
fatigie life with a probability of survival P = 50 %, For
industrial application much lower probabilities ol lailure
have o he considered. This aspect must either be incor-
porated in the latigue life prediction itself (as is the case
for some welding fatigue standards |28, 29]) or it must
be obtained by some other means. In [28] and [29] an
S-N curve with P =97.7 per cent is used, correspon-
ding to the mean minus two standard deviations. The
Miner calculations (with a damage sum of 1.0) are car-
ricd out with this §-N curve as a basis. Even neglecting
the probtem with what confidence these $-N curves
could have been deteimined for the many ditferent wet-
ding classes in these standards. this approach is funda-
mentally flawed in the authors' opinion, because it
assumes the scatier to e equal under constant and under
variahte ampiitudes. This, however, is nol generally true
[20]. It is a much hetter solution to separate the probtein
of the prediction hy pothesis from that of the probability
by ftirst calculating the fatigue lite under variable ampli-
tudes for Pg = 50.%, i.c. based on the mean S-N curve,
and afterwards applying a statistically derived scatter
tactor. Tais must be chosen according to experience
with variable amplitude tests on components. Haibach
in [ 30} gives some numerical examples with regard to
surface quality.

“Wha is a good industrial fatgue tife predicuon” poses
a difermuna. On one hand all e parameters tecessary
tor the predictions are often not known with sufticient
accuracy. as discussed in Chapter 2. and many other
Uetaihs alur indluenice e resubl sl ic lgheal s
assume that for the same nypothesis the overall accu-
racy of the prediction should be much lower than under
labsratory conditions: if (0.5 to 2.0 15 good for scientific
purposes. prohably 1.0 to 8.0 should be considered
“good enough” for industrial predictions, However. no
prospective mdustrial user could live with the statement
that ;u\f Tovdusw of the acoul avy uf the [‘Vl\.'\i.ldum his
ol g maght last for 10, but maybe aiso for 80 years, As
mentioned hefore, this is the reason why a tatigue lite
Predyction by caleulation alege can never be employed
alone for cntical components; fatigue tests with the
component and/or inspections and damage t sant or
fanl sate design are necessary.

4 REQUIREMENTS POR THE ASSESSMENT OF
FATIGUE LIFE PREDICTION HYPOTHESEN

After the guestion "What 1s a good (enough) predic-

tion " has been settled. the hypothesss in guestion must

be validated. Thisas oaly possible by comparison with

the results of reabistic variable amplitude tests. This may

sound tnvial, but 1t s here that most errors are made.

ofen by overly opumisuc mventors of iew hypothieses

“Realistic” tests mean tests with realistic stress-time

histories and at realistic stress levels and lives to failure.
The former requirement can be met easily, because Tor
many applications standardized stress-time histories are
now available, like "Gauss” (general), "Twist” (transport
aircraft), "Falstaft™ (tactical aircraft), "Helix-Fel +"
(helicopters), “Turbistan” (gas turbines), "Carios” (auto-
mobifes), "Wash" (offshore rig) and "Wisper” (wind
turhines).

The second requirement is very difficult to meet, be-
cause il is very expensive and time-consuming in parti-
cular for long latigue lives. For example, the 20 or more
years' life of an oil rig is equivalent to about 108 cycles;
similar numbers of cveles oceur in trucks and cars. Al-
though a considerable percentage of these numbers of
cycles can be omitied in test without intluencing the re-
sults, the "omission dilemma” [21] has not generally
been solved. Based on large number of tests, stress am-
plitudes < S0 % ol the fatigue limit as an upper omis-
sion limit have been suggested (31, 32], .

Anyway, realistie stress levels in assessment tests are
absolutely necessary, because while a hypothesis might
be good at high stress levels and, say, 10 cycles this
does not necessarily prove it s good at more realistic
stress fevels and cycles 1o failure |33). A recent example
can be found in ] 34], where Miner's Rule and a ciack
propagation calculation showed good agreement with
test results under I elix/28 at very short tatigue lives/
high stresses, but were snconservative by factors of 4 to
7 at longer, more realisue fatigue lives.

Some authors give the impression that their hypotheses
have been assessed and found to be "good™. but close
upgrecting by independent assesists showes ik W he
incorrect. An exampte 1s the large SAl-Programme | 35]
where none of the many hypotheses presented conld be
considered good by a large margin. Another example
van bhe found i {22], where the authors ctam their
hypothests to be superior to several others, because 1t
also predicted the atigue hife under very simple "over-
toad” aind "andathoad” M.qu\..lu.\i Hor tha gthars
while all hypotheses "fit generally well with the test re-
sults”. On closer ispecuon. however. none of the hypo-
Hrves vewod s pood o1 oven aeceptabe B the rea
tistic stress ame histories and the autbors” hypothess
wits no betier than the others,

One aspect of the assessment needs further discussion:
Buth the consan enpliude as well as The specuum
loading tests show scatter. Deterministie hite prediction
concepts deliver a prediction tor a selected probamhty.,
penerally tor P = 56 0 hecause this value has the
highest contidence. IO selt-evident that predictions
should be compared to the corresponding expenmentid
vilues1e oz cowor P2 S Very often, however.
mdividnil test resalts are compared to the predicted
vatue because only few vanable amphitude test resutts
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are available, in particular at long lives. Thus expeni-
mental scatter and the scatter due to the hypotheses
themselves are mixed which hinders the assessment
with regard to the requirements menfioned in Chapter 3.
A better solution would be 1o evaluate the ratio of pre-
dicted vs. mean experimental lives at sefected lead
levels or fatigue life intervals. Only if several different
hypotheses are checked and ranked against a fixed set ol
experimentz] data, both ways are meaningful. An exam-
ple is given and discussed in the folfowing chapter.

5 FATIGUE LIFE PREDICTION FOR AUTOMOTIVE
COMPOCNENTS

5.1 Background

During the cighties, a large fest programme was condug-

ted at IABG supported by several Gennman car manu-

facturers [ 36. 37). Five differcnt components ol the sus-

pension system were selected Irom actual production

lines including

® aforged steel stub axie

® 4 forged steel stub axle with an induction hardened
critical section

® asheet steel welded rear axle from a front wheel
drive car

® 3 cast aluminium wheel

® a wetded sheet steel wheel.

These components were tested under constant amplitude
and spectrum foading to provide a broad basis for an
assessment of fatigue life prediction according to dif-
ferent versions of Miner's Rule. Morcover typical life
ratios (damage sums at faiture) were be determined for
these components which have to be designed for a spec-
trum loading enviranment, sinee the expected maximum
loads are weli beyond the endurance limit.

5.2 Test Details

The components were tested predominantly in a bending
mode since loading in the vertical as well as the lateral
direction induces bending moments into the components
in the built-in posinon. The wheels were tested in a
special test rig where the wheel fixed to a plate is rota-
ted with a constant frequency of 28 117 whereas 1 (vani-
able) hending moment is introduced by a servo hydrau-
lic actuator, Here the loading was kept constant for 4
sec per individual load level which translates to 100
eycles at R = -1 for cach step,

Besides constant amplitede toading at R = -1 and partly
R = -0.4 two ditferent spectra were applicd. Vig, 1.
Spectrum 1, typical Tor customer usage, can he described
by a straight line in a log-lin diagram; spectrum 11, be-
ing dominated by higher foad ranges, is typical for race
or test track driving. It is simifar to a Gaussian spec-
trum. Both sequences were generated by a pseudo-
random generator and repeated until Tailure. The R ratio
was deliberately set to R = -1 lor all of the cycles, ic.
mean load changes did not ocenr. The failure criteria

was total failure or the ocenrrence of one or several
targe cracks (in the range of 30 to 100 mm) where no
substantial lurther life increments could be expected.
Typical resutts showing the amount of test data are
plotted in Fig, 2 for the sheet steel wetded rear axle part.

5.3 Miner Hypotheses

Three versions of Miner's Rule were included in the

evaluation procedure diftering in the handling of load

ranges below the fatigue limit, Fig. 3, designated as

o Mincr-original(MO), no damage below the fatigue
timit

¢ Miner- modified according 1o 1aibach [38] (MH)
where a fictitious S-N curve below the fatiguce limit
with a reduced slope 2k-1 is assumed

o Miner-clementary (ME). with a fictitious S-N curve
prolonged below the fatigue limit i.e. any fatigue
limit is neglected.

Finally a forth method recently proposed by Zenner and
Liu {39} (ZL) was included which consists of a lincar
Miner type prediction based on an artificiat S-N curve.
That §-N curve is constructed as follows, Fig. 4: Since i
has been observed that even elementary Miner predic-
tions ¢an produce unconservative results, a steeper slope
than the original slope k should be applicd. With regard
e crack propagation phase which often considerably
ributes to total tife, a fictitious slope
v =V (3.5 + k) is proposed which is the average of the
actuat slope k and k = 3.5 which would be typical for
crack propagation. Based on results from omission tests
[31. 32], a cut-oft tevet, ic. a new “fatigue limit”, is
considered which is 50 % of the actual fatigue limit.
The artificial §-N curve starts for the maximum load
range ol the spectrum at the original $-N curve. Thus
for cach overall stress level a new artificial 5-N curve is
constructed and used lor prediction, 1t is obvious that
some of the elements «: that proposal are similar to
previous methods [6]. but more recent knowledge ap-
pears to be incorporated to the new method which is
casy 1o implement.

5.4 Results and Discussion

Gassner curves, e §-N curves lor spectrum loading.
were predicted for cach of the components applying the
four ersions of Miner type damage caleulations men-
tioned above lixamples are shown in Figs. S and 6. For
cach testresult the life ratio D = N (/N ; was deter-
mincd which is equivalent to an individuat damage suin
D, Tor that specimen. These file rtios were compiled
and mcan and standard deviation of their logarithms
were established for individual and grouped data sets.
I'rom the standard deviations, a seatter factor

T = 155 Mygq Was derived assuming a log normal
distribution for the life ratios, D,. Thus these seatter
factors include both the scatter due to eventually in-
adequate hypotheses and the experimental scatter. Since
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differem hypotheses are ckecked against a common data
pool, that proceditre appears to be tolerable.

In Fig. 7 all prediction results are compiled in terms ol
the respective mean life ratios, D, and the associated
scauter factors, T These have been obtained individualty
for each of the five components and each of the two
spectra.

‘The most significant value for an assessment ol hypo-
theses is the scatter factor which in this case gives a
measure how good the characieristics of the Gassner
curve, i.e. the etfect of the overall load level, is predic-
ed. A small scatter factor may well be accompanied hy
arclatively large error of the overall position of the
predicted Gassner curve. Fig. 7 indicates that none of
the hypotheses tested exhibits a clear superiority above
the others with respect to scatter factors, T, as an assess-
ment criterion. The smallest scatter values are found for
the recent proposal of Zenner/Liu as well as for the
original and modified Miner predictions, respectively.

It is interesting to note that the influence of the overall
load level is predicted most accurately by the original
Miner rule when the maximum load ranges are close to
the fatigue limit, I'ig. 6. In this case, the inethod of
Zenner/Liu is worst due 1o a significant dilference be-
tween the predicted and actual slope of the Gassner
curves, respectively.

In most cases the predictions are unconservative ranging
down t¢ D= 0.053 for the cast aluminium wheel, which
corresponds to an overestimation of fatigue fife by a
factor of 19.

Still more important, however, the mean fife ratios are
significantly different [or the two spectra when the
conventional Miner type predictions are considered. lor
spectrum | characterizing customer usage 5"‘“" =0.14
is found on an average using Miner original whereas lor
test track usage (spectrum 1) D, = 0.56. This means
that experimental experience collected on test or race
7 s cannot digectly be used for design for customer
usag. :arelative Miner approach. With regard to that
criterion the Zenner/Liu proposal works best because
the range of mean life ratios observed for the two
spectra is significantly smaller than those found for the
other hypotheses.

Up to now predictiors lor individual test results were
separately evaluated for cach of the components and the
two speetra, respectively. Thus the overall load levels
which were selected for the desenibed test programme
were considered. Taking the view of industrial apptica-
tion, a different criterion would perhaps be more signi-
ficant where an overall load level is chosen for evalua-
tion which can be called a design toad level. This load
level is the maximum load range which is expected for

the design life excluding, however, overloads resutting
from mis-use or near-accident sitvations. llere the pre-
dictions are compared to the respective mean experi-
mental spectrum fatigue lives. The mean life ratios and
associated scatter factors for that load level are com-
piled in Iig. 8 where the results for all five components
are combined.

The most striking conclusinn from that figure is the
superiority ol the Zenner/Liu proposal when hoth
spectra are commonly evaluated. Besides the lowest
scatter factor for the predictions, a mean life ratio near
unity is found.

1t is ohvious that differemt criteria may be employed for
an assessment of fatigue life prediction hypotheses
leading to sometmes contradicting conclusions. It is
essential, therefore, to clearly sate the eriteria used
when such hypotheses are evaluated on the hasts of
relevant experimental data.

6 CONCLUDING REMARKS

lFor an assessment of fatigue hife prediction hypotheses
several requirements have to be fulfilled which are not
casily met. Since the conditions, prerequisites and
consequences of an application of tatigue lite predic-
tions are extremely varying, it is net realistic 1o expect
or look for prediction concepts which are generally
applicable.

When fatugue life prediction is applied in indusiry
Miner's Rule is still in use partly due to its simplienty.
but atso due 1o incorporation of basic tatigue data which
inherently reflect many of the futigne-relevant teatures
such as size, surface finish ete. Ieis, however, evident
that the complex process of tatigue (crack) initirtion
and accunulation (crack propagation) under vartable
amplitude loading is oversimplified by the linear di-
mage accumulation rule. This has been confinned ugain
on the basis of the large test programme on actual com-
ponents from automotive suspension systems as shown
in the paper.
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FATIGUE LIFE AND CRACK GROWTH PREDICTION METHODOLOGY

J. C. Newman, Jr.
E. P. Phillips
Mechanics of Materials Branch
NASA Langley Research Center
Hamptoa,s\‘/\irginia 23681

SUMMARY

This paper reviews the capabilities of a plasticity-
induced crack-closure model and life-prediction
code to predict fatigue crack growth and
fatigue lives of metallic materials. Crack-tip
constraint factors, to account for three-dimensional
effects, were selected to correlate large-crack
growth rate data as a function of the effective-
stress-intensity factor range (AKeff) under constant-
amplitude loading. Some modifications to the
AKgff- rate relations were needed in the near-
threshold regime to fit small-crack growth rate
behavior ard endurance limits. The model was
then used to calculate small- and large-crack
rowth rates, and in some cases total fatigue lives,
or several aluminum and titanium alloys under
constant- amplitude, variable-amplitude, and
spectrum loading. Fatigue lives were calculated
using the crack-growth relations and
microstructural features like those that initiated
cracks. Results from the tests and analyses
agreed well.

LIST OF SYMBOLS

a Crack length in thickness (B) direction

aj Initial defect or crack length in B-direction
b Defect or void half-height

B Specimen thickness

c Crack length in width (w) direction

G Initial defect or crack length in w-direction

Fi Boundary correction factor
Iémax Maximum stress-intensity factor
KoL Overload stress-intensity factor
KuL Underload stress-intensity factor
N Number of cycles

Nt Number of cycles to failure
R Stress ratio (Smir/Smax)

T Notch or hole radius

S Applied stress

So Crack-opening stress

Smax  Maximum applied stress
Smi Mean flight stress
Smin Minimum applied stress

t Specimen thickness for through or corner
crack; half-thickness for surface crack

vl Constraint factor

ag Global constraint factor from finite-
element analysis

Ac Crack extension in ¢-direction

AK Stress-intensity factor range

AKeff Effective stress-intensity factor range
(AKeff)th Small-crack AKeff threshold

AKih Large-crack AK threshold

p Plastic-zone size

Co Flow stress (average of oys and oy)

R. A. Everett, Jr.
Vehicle Stni~tures Directorate
U. S. Army Research Laboratory

Hampton, Virginia 23681
UsAa
Oys Yield stress (0.2 percent offset)
oy Ulimate tensile strength
(3] Cyclic-plastic-zone size

1. INTRODUCTION

The use of damage-tolerance and durability design
concepts based on fatigue- crack growth in aircraft
structures is well established (Ref 1 and 2).
The safe-life approach, using standard fatigue
analyses, is also used in many designs. In
conventional metallic rnaterials, crack-growth
anomalies such as the small-crack effect and the
various crack-tip shielding mechanisms (Ref 3 and
4) have improved our understanding of the crack-
growth process but have complicated life-prediction
methods. In the new metallic materials, such
as the aluminum-ithium alloys, crack shielding and
failure mechanisms are more complex than in
conventional materials due to crack growth along
tortuous crack paths (Ref 5). Over the past
decade, the intense experimental studies on small
or short crack growth behavior in these metallic
materials have led to the realization that fatigue life
of many materials is primarily "crack growth® from
microstructural features, such as inclusion
particles, voids or slip-band formation.
Concurrently, the improved fracture-mechanics
analyses of some of the crack-tip shielding
mechanisms, such as plasticity- and roughness-
induced crack closure, and anafyses of surtace- or
corner-crack configurations have led to more
accurate crack growith and fatigue life prediction
methods.

On the basis of linear-elastic fracture mechanics
(LEFM), studies on small cracks (10 um to 1 mm)
have shown that small cracks grow much faster
than would be predicted from large crack data (Ref
3 and 4). This behavior is illustrated in Figure 1,
where the crack-growth rate, da/dN or dc/dN,
is plotted against the linear-elastic stress-intensity
factor range, AK. The solid (sigmoidal) curve
shows typical results for large cracks in a
given material and environment under constant-
amplitude loading (R = Smin/Smax = constant).
The solid curve is usually obtained from tests with
large cracks. At low growth rates, the threshold
stress-intensity factor range, AKyh is usually
obtained from load-reduction (AK-decreasing) tests.
Some typical results for small cracks in plates and
at notches are shown by the dashed curves.
These results show that small cracks grow at AK
levels below the large-crack threshold and that they
also can grow faster than large cracks at the same
AK level above threshold. Small-crack effects have
been shown to be more prevalent in tests which
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have compressive loads, such as negative stress
ratios (Refs 6-8).

During the last decade, research on small- or short-
crack effects has concentrated on three possible
explanations for the behavior of such cracks. The
are plasticity effects, metallurgical effects and crac
closure (Ref 3 and 4). All of these features
cortribute to an inadequacy of LEFM and the use
of the AK-concept to correlate fatigue crack growth
rates.

Some of the earliest small-crack experiments were
conducted at high stress levels which were
expected to invalidate LEFM methods. Nonlinear
or elastic-plastic fracture mechanics concepts, such
as the J-integral and an empirical length parameter
(Ref 9), were developed to explain the
observed small-crack effects. Recent reseerch on
the use of AJ as a crack-driving parameter suggest
that plasticity effects are small for many of the
early and more recent small-crack experiments
(Ref 10). Bul the influence of plasticity on small-
crack growth and the app;o(friate crack-driving
parameter is still being debated.

Small cracks tend to initiate in metallic materials at
inclusion particles or voids, in regions of intense
slip, or at weak interfaces and grains. Inthese
cases, metallurgicai similitude (see Ref 11) breaks
down for these cracks (which means that the
growth rate is no longer an average taken
over many grains). Thus, the local crack growth
behavior is controlled by metallurgical features. If
the material is markedly anisotropic (differences in
modulus and Jield stress in different
crystallographic directions), the local grain
orientation will strongiy influence the rate of growth.
Crack front irregularities and small particles or
inclusions affect the local stresses and, therefore,
the crack growth response. In the case of large
cracks (which have large fronts), all of these
metallurgical effects are averaged over many
grains, except in very coarse-grained materials.
LEFM and nonlinear fracture mechanics concepts
are only be?inning to explore the influence of
metallurgical features on stress-intensity factors,
strain-energy densities, J-integrals and other crack-
driving parameters.

Very early in small-crack research, the
phenomenon of fatigue-crack closure (Ref 12) was
recognized as a possibte exptanation tor rapid
small-crack growth rates (see Ref 13). Fatigue
crack closure is caused by residual plastic
deformations left in the v.aiie of an advancin
crack. Only that pertion of the load cycle for whic
the crack s fully open is used inco utin? an
effactive stress-intensity factor range (AKetf) from
LEFM solutions. A small crack initiating at an
inclusion particle, a void or a weak grain does not
have the prior plastic history to develop
closure. Thus, a small crack may not be closed for
as much of the icading cycle as a larger crack. if a
small crack is fully open, the stress-intensit
tactor range is fully effective and the crack-growt
rate will be greater than steady-state crack-growth
rates. (A steady-state crack is one ir which
the residual plastic deformations and crack closure
along the crack surfaces are fully develcped and
stabilized under steady-state loading.) Small-
crack growth rales are also faster than steady-state
behavior because these cracks may initiate and
grow in weak microstructure. In contrast to small-
crack growth behavior, the development of the
large-crack threshold, as illustrated in Figure 1, has
also been associated with a rise in crack- openig
load as the applied load is reduced (Ret 14 a
15). Thus, the steady-state cracl:-growth behavior
may lie between the small-crack and large-crack
threshold behavior, as illustrated by the dash-dot
curve.

The purpose of this paper is to review the
capabilities of a plasticity- induced crack-ciosure
model (Ref 16 and 17) to correlate and to
redict small- and large-crack growth rate behavior
in several aluminum and titanium alloys under
various load histories. Tect results from the
literature on aluminum alloys 2024-T3 (Refs 7, 18
and 19), 7075-T6 (Ref 20), LC9cs (Ref 20) and
7475-T7351 (Refs 21 and 22) and on titanium
alloys Ti-6Al-4 &Rer 23 and 24), IMI-685 (Refs 23-
25) and Ti-17 (Reis 23 and 24) under constant-
amplitude loading were analyzed with the closure
model to establish an effective stress-intensity
factor range against crack growth rate relation. The
effective stress-intensity factor range against crack
growth rate relations were then used in the closure
model to predict large-crack growth under a single
spike overload, an overload and underload,
repeated spike overloads every 1000 cycles,
TWIST (Ref 26) and Mini-TWIST (Ref 27)
loading. Using the closure mcdel and some
microstructural features, a total fatigue life
prediction method is demonstrated on a titanium
alloy under constant- amplitude loading and on
several aluminum alloys wunder various
load histories. The load histories considered were
the FALSTAFF (Ref 28), Gaussian (Ref 29),
TWIST (Ref 26) and Mini-TWIST (Ref 27). The
crack configurations used in these analyses were
through-crack configurations, such as center-crack
and compact specimens, and three-diniensional
crack configurations, such as a corner crack in a
bar at\‘nd a surface or corner crack at a semi-circular
notch.




2. CRACK-CLOSURE MODEL

The crack-closure model (Refs 16 and 30) was
developed for a central through crack in a fintte-
width specimen subjected to remote ed stress
The model was later extended to a through crack
emanating from a circular hole and appliea o the
growth of small cracks (Ref 15 and 3t) The model
was based on the Dugdale model (Ret 32), but
modified to leave plastically deformed matenal n
the wake of the crack. A schematic of the model i1s
shown in Figure 2 Here a crack is growing from a
hole in an elastic body (Region t) At the
maximum applied stress. Smax. the matenal in the
plastic zone, p, (Region 2) carnies the stress, agy
The constraint tactor, a. accounts for the influence
of stress state on tensile yielding at the crack front
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(a) Maxmum stress 1) Miimum stress
Fig. 2 Schematic of plasticity-induced crack-closure
model under cyclic loading

The flow stress og is the average between the yeld
stress and ultimate tensile strength For plane-
stress conditions, a 1s equal to unity {ongmnal
Dugdale model), and for simulated plane-strain
conditions, a 1s equal to 3 Although the strip-yieid
model does not model the correct yield-zone

ttern for plane-strain condtions, the model with a

igh constraint factor is able to produce crack-
surface displacements and crack- opening stresses
quite similar to those calculated from an elastic-
plastic finte-element analysis of crack gvow‘lh and
closure for a finite-thickness plale (see Ref 33) As
the crack grows under cyclic loading, residual-
plastic deformed material (Region 3) s left on the
crack surfaces. During unloading, these surtaces
contact each other at the minimum apphed
stress. The material in the plastic zone and along
the contacting surfaces was assumed to yield at
-0g. (In the original mode!l, the contacting
surfaces were assured to reduce the effectiveness
of the crack and reduce the constraint around the
crack ftront On the basis of three-
dimensional finite-element analyses, howevet, this
assumption may need to be studied further but this
is beyond the scope of the present paper ) Using
the contact stresses, the crack-opening stress 1s
calculated The crack-opening stress is the apphed
stress level at which the crack surfaces are
fully open and is denoted as S'o.  The model i1s
able to predict crack-opening stresses as a function
of crack length and load history. The crack-

:genmg stress 1s then used to cakulate the
ective stress-intensity factor :ange. AKeft (Ret
12} In tumn, the crack-growth rate 1s calculated
using 8 AKg#-against -crack-growth-rate relation

In conducting tatigue-crack gromh analyses. the
constraint factor a was used to elevate the flow
stress at the crack tip to account for three-
dimensional stress states At present, the
constramnt factor 1s used as a ftting parameter to
correlate crack-growth rate data agamnst AKeft
under constant-amplitude loading tor different
stress ratios However tests conducted under
single-spike overloads seem 10 be more sensde
to state- of-stress effects and may be a more
appropnate test to determine the constrant factor

2.1 Effective Stress-intensity Factor Range

For most damage tolerance and durability
analyses, hnear-elastic analyses have been found
to be adequate However tfor lugh stress-
intensity factors. proof testing and low-cycle
fatigue conditions, hnear-elastic analyses are
inadequate and nonhnear crack-growth parameters
are needed (see Ref 10) Heren the bnear-elastic
effective stress-intensity factor range. developed by
Elber (Ref 12) was used and 1s gven by

MKeff = (Smax - So) (1¢)''2 F,

where Smay is the maximum applied stress S'g 1s
the crack-open:ng stress and F| 1s the usual
boundary-correction lactor

2.2 Constraint Variatioris

As a crack grows in a finite-thickness body under
cychc loading (constant siress range) the plastic-
zone size at the crack front increases At
low stress-intensity factor levels plane-strain
conditions should prevail but as the plastic-zone
size becomes large compared to sheet thickness a
loss of constrant 1s expected This constraint loss
has been associated! with the transiton from flat-to-
slant crack growtl. as illustrated in Figure
3 Schyve (Ret 34) has shown that the transition
occurs &t nearly the same crack-growth rate over a
wide range in stress ratios for an aluminum
alloy Later. Schiyve (Ref 35) using Eiber's crack-

14 atgue surtale

Fig 3 Fatigue crack surface showing transition
from tensile- to shear-mode crack growt
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closure concept, proposed that the transition
should be controlled by AKgff. This observation
has been used to help select the constraint-loss
regime (see Ref 31).

In a related effort to st constraint variations
using a three- dimensional, elastic-plastic, finite-
element analysis, some results are included here to
help resolve the constraint-loss issue (see Ref 36).
The iintte-element code, ZIP3D (Ref 37), was used
to analyze center-crack-tension &nd bend
specimens made of a matenal with an elastic-
perfectly- plastic stress-strain behavior The
analyses were conducted on a 2.5 mm- thick sheet
with various half-widths (w) and a c/w ratio of 0 5
The crack front was flat and straight-through the
thickness The finite-element model (one-eighth of
the specimen) had six layers through the half-
thickness with the layer on the centerline of the
specimen being 0 158 and the layer on the free
surface being 0 0258 The smallest element size
around the crack front was about 0 03 mm The
number of eilements was 5706 and the number of
nodes was 7203 The finte-element model of the
specimen was subjected to monotonic loading untii
the plastic zone extended across the net section

Because the current model uses a constant tiow
stress in the plastic zone. a global constraint tactor,
ag. was defined as the average of the
normal stress 10 tlow stress (ayy /ag ) raho in the
plastic zone Figure 4 shows a companson of ¢

as a function ot the normalized applied K level for
tension and bend specimens  The symbols show
the results from the finite-ciement analyses tor
varnous specimen sizes The upper dashed lines
show the results under plane-strain conditions. the
lower dashed line shows the plane-stress condition
The global constraim factor was nearly a
unique tunction of the apphed K level Some shght
differences were observed near the plane-siress
condiions (high K levels) These results show that
the giobal constraint factor rapidly drops as the K
level .ncreases (plastic- zone size increases) and
approaches a value near the plane-stress
condtion The sohd hne 1s a simple t to the tinte-
element results and shows that the . onstraint-ioss
regime may be dehned by a unique set ot K values
under monotonic loading and. possibly \Kgtt under
cychc boading  Inthe current model the constraint-

Fig 4 Giobal constraint tactors trom three-
dimensional finte-element analyses

loss regime is defined by a set of crack-growth
rates because the transition from flat-to-slant crack
growth seems to occur at unique rates. This
assumption also implies that a unique set of AKetf
values define the constraint-loss regime.

2.3 Constant-Amplitude Loading

In Reference 38, crack-opening siress equations
for constant-amplitude loading were developed
from crack-closure model calculations for a center-
crack tension specimen. These equations give
crack opening stresses as a function of stress ratio
(R). maximum stress level (Smax/6o ) and the
constraint factor (a). To correct the previous crack-
opening stress equations for extremely high crack-

rowth rates, a modification was developed in

eference 17. The new equations give crack-
opening stresses that agree fairly well with results
from the modified closure model. These equations
are used to develop the baseline AKeff-rate
reiations that are used in the life-prediction code
FASTRAN:II (Ref 39) to make crack-growth and
fatigue-life predictinns. A typical comparison
between the model and the equations for a crack in
a titanlum alloy 1s shown in Figure 5. This figure
shows crack-opening stresses as a function of
crack length for a crack in an infinite plate at low R.
To severely test the equations with a rapid change
in constraint, a was selected to be 2 4 for rates less
than 1E-04 mm/cyzie. and a was 1.2 for rates
greater than 1E-03 mm/cyzle The solid curve
shows the caiculations from the model To use the
crack-opening stress equations, the R ratio, the
Smax/cc ratio and the constraint factor must be
known a prion in this example, the constraint
factor 1s unknown as a function of crack length.
Because rates are used to control the constraint
factor in the model, the crack-growth rate must be
known to calculate the crack-opening stress The
crack-fength-against-cycles results trom the model
were theretore used to determine the rate for a
given crack iength  Knowing the rate. then the
constraint tactor is calculated trom

a = a2 + (aq - az)in(dc/dN) - Inra)[lin(ry) - In(rp)]

for r{ < dc/dN < rp where 1y and a are the
constraint tactors andry and ro are the rates, at
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Fig 5 Calculated crack-opeming stresses trom
model and equations




the beginning and end of the constraint-loss
regime, respectively For rates less thanrq, a = a1
and for rates greater than r2, a = a2. Once the
constraint factor has been determined, then the
crack- opening stress is calculated from the
equations (dashed curve). For constant a regions,
the results from the equations agreed well with
the model. Some differences were observed in the
transition region between a =2.4 to 1.2, but the
maximum error ‘n calculating AKeff was only 4
percent. The small vertical lines indicate the
corresponding life ratio (N/Nf), in addition to
indicating regions of constant constraint.

2.4 Spectrum Loading

For variable-amplitude and spectrum loading, the
crack-closure model must be used to compute the
crack-cpening stress history. Some t¥ ical crack-
opening stresses under the Mini-TWIST load
sequence for a small surface crack in a sir.gle-
edge-notch-tension {SENT) specimen are shown in
Figure 6. In the small-crack simulation, an initial
defect size of aj = 3 pm and cj =9 um was used.
This size corresponds to inclusion-particle sizes
that initiate cracks in some aluminum alloys (Refs 7
and 8). Variable constraint was selected for this
simulation. The constraint factor (a) was 1.8
for crack-growth rates less than 7E-04 mm/cycle
and 1.2 for rates greater than 7E-03 mm/cycle.

1.0 Mini-TWIST
S, ¢ = 73 MPa

Aluminum allay
— Clasure mode!

a=18t12
Surface crack at natch

0.5 r=32mm ¢ =3pum
i w=50mm ¢ =9pum

o il

a/t =1

-0.5
0.0 0.2 0.4 0.6 08 1.0

N/Ng

Fig. 6 Calculated crack-opening stresses for small
surface crack under spectrum loading.

The figure shows crack-opening stress {normalized
by the maximum stress in the spectrum) piotted
against the ratio of applied cycles to cycles-to-
failure (N/Nf). The predicted cycles 1o failure, Nf,
was about 800,000 cycles. These results show
that the opening stresses start near the minimum
stress in the spectrum and rise as the crack grows.
Crack-opening stresses tended to level off for N/Ng
between 0.7 and 0 9. The rapid jump in S'o/Smax
for an N/Nj ratio of about 0.92 was caused by the
change in constraint from 1.8 1o 1.2 at the higher
crack-growth rates. The surface crack became a
through crack (at = 1) at an N/Ng ratio of about 0.9.

3. LARGE-CRACK GROWTH BEHAVIOR

To make life predictions, AKgff as a function of the
crack-growth rate must be obtained for the material
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of interest. Fatigue crack-growth rate data should
be obtained over the widest possible range in rates
(from threshold to fracture), especially it spectrum
load predictions are required. Data obtained on the
crack configuration of interest would be helpful but
it is not exsential. The use of the nonlinear crack-
tip parameters is only necessary if severe loading
(such as low cycle fatigue conditions) are
of interest. Most damage-tolerant life calculations
can be performed using the linear elastic stress-
intensity factor analysis with crack-
closure modifications.

3.1 Censtant-Amplitude Loading

Under constant-amplitude loading, the only
unknown in the analysis is the constraint factor, o.
The constraint factor is determined by finding
{by trial-and-error) an o value that will correlate the
constant-amplitude fatigue-crack-growth-rate data
over a wide range in stress ratios, as shown in
References 30 and 38. This correlation should
produce a unique relationship between AKeff and
crack-growth rate. In the large-crack-
growth threshold regime for some materials, the
plasticity-induced closure model may not be able to
collapse the threshold (AK-rate) data onto a
unique AKeff-rate relation because of other forms
of closure. Roughness- and oxide-induced closure
(sze Ref 40) appear to be more relevant in
the threshold regime than plasticity-induced
closure. This may help explain why the constraint
factors needed 1o correlate crack-growth rate data
in the near threshold regime, that is, plane-strain
conditions, are 1.7 to 1.9 for aluminum alloys, 1.8
to 2 for titanium alloys and 2.5 for steel.
However, further study is needed to assess the
interactions between plasticity-, roughness- and
oxide-induced closure in this regime. If the
plasticity- induced closure modei is not able {o give
a unique AKgff-rate relation in the threshold regime,
then high stress ratio (R > 0.7) data may be used
to establish the AKegt-rate relation.

In the following, the AKeff-rate relations for one
aluminum alloy and two titanium alloys will be
presented and discussed. Similar proc ‘dures
were used to establish the relalionsﬁips for all
materials used in this study. The large-crack resulls
for 7075-T6 aluminum alloy are shown in Figure 7
for data generated at two different laboratorics and
at three stress ratios (Ref 20). The data collapsed
into a narrow band with several transitions in slope
occurring at about the same rate for all stress
ratios. Some differences were observed in the
threshold regime. For these calculations, a
constraint factor a of 1.8 (nearly equivalent to
Irwin's plane-strain condition) was used for rates
less than 7E-04 mm/cycle (start of transition from
flat-to-slant crack growth) and a equal to 1.2 was
used for rates greater than 7E-03 mmvcycle (end of
transition from flat-to-slant crack growth). For
intermediate rates, a was varied linearly with the
logarithm of crack-growth rate. The values of a
were selected by trial-and-error. The solid symbols
{see upper left-hand portion of figure) denote
measured rates at the end of transition from flat-to-
slant crack growth (Refs 20 and 41). It has been
proposed in Reference 31 that the flat-to-slant
crack- gromth transition region may be used to
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Fig. 7 Effective stress-intensity factor range against
rate for large cracks in an aluminum alloy.

indicate a change from nearly plane- strain to
plane-siress behavior and, consequently, a change
in constraint. In the low crack-growth rate regime,
near and at threshold, some tests (Ref 14) and
analyses (Ref 15) have indicated that the threshold
develops because ¢f a rise in the crack-opening-
stress-to-maximum-strass ratio due to the load-
shedding procedure. In the threshold regime then,
the actual AKeff- rate data would lie at lower values
of AKetf because the rise in crack- opening stress
was not accounted for in the current anaiysis For
the present study, an estimate was made for this
behavior and it is shown by the solid line below
rates of about 2E-6 mm/cycle. The baseline
relation shown by the solid line will be used later to
predict small-crack growth rates and fatigue lives
under constant-amplitude loading.

Figure 8 shows the AKej¢-rate data for corner
cracks in 10 mm-thick Ti-6Al- 4V titanium alloy (Ref
23). In these tests, the initial defect size was a 250
pum-quanter-circular electrical-discharged machined
notch. The data correlated quite well with a
constant constraint factor of 19. For thick
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Fig. 8 Effective stress-intensity factor range against
rate for small and large cracks in a titanium alloy.

materials, the loss of constraint, as shown for the
thin 7075-T6 alloy (Fig 7), may occur at higher
vialues of AKeft than those shown for the
thinner material. Consequently, a constant
constraint factor was used over the whole rate
range. The solid symbolr. show the results of 13
mm-thick compact specimens (Ref 42) tested over
a wide range of R ratios and down to much lower
rates than the corner-crack tests. The baseline
relation (solid line), fit to the corner-crack results in
the mid-region and the compact results in the low-
rate regime, will be used later to predict crack-
growth rates for tests with spike overloads repeated
every 1000 cycles.

The AKggf-rate results for IMI-685 titanium alloy
compact specimens (Refs 23 and 25) are shown in
Figure 9. This material was selected because
“roughness-induced" closure was expected to be
prevalent. These data also illustrate two difficulties
with correlating test data using the linear-elastic
effective stress-intensity factor ranges and the
plasticity- induced closure model. First, the high R
ratio results tend to deviate from the low R ratio
results near the end of the tests. These specimens
were cycled to failure and the last few data points
were taken immediately before the specimen failed.
The maximum stress level for the high R ratio test
was considerably higher than that used for the low
R ratio test; and plasticity effecis would have been
greater in the high test than the low R,
resulting in higher rates for a given value of elastic
AKeff. However, fitting the AKgff relation to the low
R ratio results (solid line) wi'l allow accurate life
prediction for both the low and high R ratio
conditions, because the high R ratio tests are
predicted to fail at a AKeff value of 23
MP>avm (fracture toughness K¢ = 80 MPavm).
Thus, accurately modelling the upper tail of the
high R ratio test would not have greatly affected the
number of cycles to failure. The second difficulty
with the mode! occurs in the threshold regime and
shows that threshold data (load-reduction tests)
begin to form bands of data as a function of R,
especially for materials where roughness-induced
closure may occur. The s.eady-state crack-
opening stress equations do not account for any
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Fig. 9 Effective stress-intensity factor range against
rate for large cracks in IMI-685 titanium alioy.




load - reduction effects nor roughness - induced
closure which is expected to be dominate in the
IMI-685 alloy. Because cracks in the high R ratio
tests are expected to be fully open, these results
were used 1o determine the AKgff relation at the
low rates. The baseline relation will be used later to
make crack growth predictions under repeated
spike overloads.

3.2 Spike Overload and Underload

For variable-amplitude or spectrum load crack-
growth predictions, the constraint factor should also
be verified by seme simple tests, such as crack
rowth after a single-spike overload. Constraint
actors appear 1o be more sensitive to crack-growth
delays caused by single-spike overloads than to
crack growth under constant-amplitude loading at
different stress ratios. Higher values of a will cause
less load-interaction effects, such as retardation or
acceleration, than lower values of constraint. Thus,
spike- overload tests may be more useful in
establishing values of a than constant- amplitude
tests. However, the constraint factors determined
by spike- overload tests should also correlate
constant-amplitude data (see Ref 43).

A comparison of measured and predicted rates for
large cracks after a single spike overload and after
a single spike overload followed by an
underload are shown in Figure 10. Cracks were
grown under constant-amplitude loading (R = 0.4
with Kmax = 19.7 MPavm) to a crack length of 12
mm. In one case, a single overload, KoL = 31.4
MPaVm, was applied and then the test
was returned to constant-amplitude loading. The
second case was identical 1o the first case, except
that an underload Kyp = -3.9 MPavm was
applied immediatg(ly after the overload. Two
methods were used to measure crack length and
rates in the 7475 alloy (Ref 22): the direct-current
potential method (solid symbols) and the scanning-
electron microscope iopen symbols). The predicted
results using the closure model with a = 1.9
’curves) agreed well with the test results, especially
or the overload-underload case. For the overload
case, the experimental rates did not appear to
stabilize at the ﬁ)_re-overload rates as quickly as the

predictions. hese results indicate that the
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Fig. 10 Measured and predicted rates after an over-
load and overload-underload sequence.
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constraint factor of 1.9 is approgriate for these
conditions. But overloads at higher KOL values
would be expected to cause some i0ss
of constraint {lower o). Under these conditions, the
analyses using an u = 1.9 would be expected to
predict hi%her rates and less retardation than
the tests. Thus, variable constraint may be needed
1o predict the behavior.

3.3 Repeated Spike Overloads

Figures 11 and 12 show measured and predicted
Alg-rate results for repeated spike overloads
applied to compact and corner-crack specimens
made of IMI- 685 and Ti-17 titanium alloys,
respectively. These tests were conducted under
constant-amplitude loading (R = 0.1) with an
overload (PoL = 1.7 Pmax) applied every 1,000
cycles (Refs 23 and 24). The cverall trends in
the predicted results for the IMI-635 corner-crack
contiguration agreed well with the test results at low
rates. However, the predicted rates tended to be
somewhat high in the middle and upper ranges.
Although the predicted results for the compact
specimen agreed fairly well with the test data,
the test results on each individual specimen were
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Fig. 11 Measured and predicted rates for |MI-685
titanium alloy under repeated spike overloads.
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Fig. 12 Measured and predicted rates for Ti-17
titanium alloy under repeated spike overloads.
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not modelled very accurately. The measured rates
on one of the compact specimens in the beginning
of the test were much lower than predicted. The
oscillating behavior in the predicted results at high
rates was caused by averaging rates over less
than 1000 cycles, thus accelerations and
retardations during and after the spike overload are
being shown. The comparison of measured and
predicted rates on the Ti-17 alloy agreed quite well
Fig 12). A comparison of predicted-to- test lives
No/My) for these titanium alloys and Ti-6Al-4V, for
P :

the two crack configuraticns, ranged from 3.57 to
2.12 but most results were within about 20 percent
of the test results. These results are presented
and discussed in Reference 24.

3.4 Spectrum Loading

Wanhill (Ref 18) conducted spectrum crack-growth
tests on center-crack tension specimens made of
2024-T3 Alclad material in two thickiesses (B = 1.6
and 3.1 mm). Tests were conducted under the
TWIST spectrum clipped at Levels | and lIl with
Smf = 70 MPa. The initial crack siarter notch half-
length was 3.5 mm_ Comparisons are made
between experimental and calculated crack length
against flights for Level Ill, and experimental and
calculated crack length against crack-giowth rate
for Levels I and Ill.

Crack-length-against-flight data on the 3.1 mm-
thick specimens tested under the TWIST {Level lIl)
loading are shown in Figure 13. The solid curve
is the calculated results from the closure model
with the vanable-constraint condition (o = 2 to 1)
using the baseline AKggg-rate relation
and constraint-loss regime established in
Reference 44. To illustrate why the variable-
constraint conditions are necessary, example
calculations were made for constant constraint
conditions of either ¢ = 1 or 2 {dashed-dot
curves). The model with a low constraint condition
(a = 1) predicted much longer flights to a given
crack length than the test data. Conversely,
the predicted results for the higher constraint
condition (n = 2) greatly under predicted the
behavior except in the early stages of growth.
Thus, the placement of the constraint-loss regiine
1Is crucial to making accurate crack- growth
predictions under aircraft spectrum loading

Fig 13 Measured and calculated crack-length-
against-cycles under TWIST spectrum loading.

Figure 14 shows a comparison between
experimental (Ref 18) and calculated results of
crack length against dc/dF under tha TWIST
loading (Levels | and Ill) for the 1.6 mm-thick
specimens. The crack-growth rate, dc/dF, is
the change in crack length per flight. For both
levels, the closure model was able to calculate the
initial rates quite accurately (curves).
Calculated results under Level Ill agreed with the
test results over nearly the complete range of crack
lengths. The calculated results under Level
I, however, began to deviate from the test results
after a crack length of about 12 mm. The ratio of
calculaied life to test life from an initial crack length
of 3.5 mm to failure was 0.61 ior Level I.
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Fig. 14 Measured and calculated rates for large
cracks under TWIST spectrum loading.

4. SMALL-CRACK GROWTH BEHAVIOR

In the following, comparisons are made between
measured and predicied crack- shape changes and
crack-growth rates for small surface cracks al a
notch in 7075-T6 aluminum alloy under constant-
amplitude loading.  Comparisons are also
presented on measured and predicted rates for
small corner cracks at a notch in LC9cs clad
aluminum alloy under both constant-ampiitvde and
Mini- TWIST spectrum loading. The plastic-replica
method was used to measure the initiation and
growth of the small cracks and these results are
presented and discussed in Reference 20.

Figure 15 shows the crack-depth-to-crack-length
{(a/c) ratio plotted agains. the crack-depth-to-sheet-
half-thickness (a/t) ratio for the 7075-T6
alloy Measured a/c and a/t ratios (open symbols)
were determined from an experimental method
where specimens were broken at various stages
during their ife. Results are shown for three stress
ratios and for the Mini- TWIST spectrum loading.
The spectrum has an overall stress ratio
{minimum to maximum stress in the spectrum) of
-0.23. The solid symbols show the sizes and
shapes of inclusion-particle clusters or voids which
initiated cracks (average size was aj = 3 ym and ¢;
=9 um).

The curves in Figure 15 show the predictions for
the different stress ratios using the average
inclusion-particle cluster size. In the analyses,
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Fig. 15 Measured and predicted surface-crack
shape changes in a bare aluminum alioy.

the crack-growth rate relations for da/dN was
different than that for dc/dN as a function of AKeff
(see Ref 20). The tests and analyses show that
small surface cracks tend to rapidly approach an
a/c ratio of about unity for a large part of their
growth through the thickness.

Comparisons of experimental and predicted crack-
growth rates for small cracks under R = -1 loa 'ing
are shown in Figures 16 and 17 for 7075-T6
and LC9cs alloys, rspectively. For the 7075-T6
alloy, small sur()e’lce cracks initiated along the notch
surface from inclusion-particle clusters or voids. For
the LC9cs alloy, small corner cracks initiated in the
cladding layer from slip-band formation (cladding
thickness was 50 to 70 um). Even though the
range in maximum stress levels used in each test
series are indicated on the figures, no stress-evel
effect was apparent in the test data and all data
have been ?rouped together. However, a range in
stress levels was used in the a.alyses to show
some expected trends with stress level. The dash-
dot line show the large crack (dc/dN) results and
the dashed line show the AKeff-rate curve used in
the analyses for da/dN. The solid curves show
the predicted results using an initial defect size
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Fig. 16 Measured and predicted small surface
crack-growth rates in a bare aluminum alloy.
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(3 by 9 by 0.5 um for 7075- T6; and 77 by 77 by 0.5
um for LC9cs). All predictions start on the AKeff
curve because cracks at small voids were assumed
to be fully open on the first c‘ple and AK is equal to
AKeff. or the 7075-T6 alloy (Fig 16),
the predictions from the model did not agree very
well with the test data for Smax = 80 to 95 MPa in
the near threshold regime. In Reference 20, part
of this discrepancy was attributed to an influence of
the acetone u in taking plastic replicas of the
notch surface. Fatigue lives for specimens with
replicas were much longer (about a factor of 4)
than those without replicas. However, the
predictions did agree with the test data in the mid-
and high-rate range. At 70 MPa, the predictions
show that the crack would be nearly arrested
minimum rate) at a AK-value of about 2 MPavm.

1 this point the AKgff was slightly greater than 0.9
MPavm, the effective threshold for small cracks.
(Note that the endurance limit for R = -1 was about
706 MPa, see Reference 20.)

For the LC9cs alloy ﬁFig 17), the predictions from
the model agreed well with the test data for Smax =
70 to 90 MPa in the early stages of crack growth.
The predicted rates seem to be slightly low in the
mid- to high- rate range. At 50 MPa, the
predictions show a large drop in the crack- growth
rates, similar to the 7075-T6 alloy. The crack
would have been predicted to arrest if an applied
stress of 40 MPa had been used. Again, the
effective threshold for small cracks was assumed to
be 8\8 MPavm and the endurance limit was about
40 MPa.
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Fig. 17 Measured and predicted small comer crack-
growth rates in a clad aluminum alloy.

The measured and predicted small-crack growth
rates for the Mini-TWIST ioading are shown in
Figures 18 for the LC9cs alloy. Here the
“average"” crack-growth rate is plotted against the
"maximum range" stress-intensity factor. The
average crack-growth rate is the c‘ange in crack
length per replica interval (about 30,000 cycles)
and the stress-intensity factor range is computed
using the maximum and minimum stress levels in
the Mini-TWIST spectrum. The predicted values
were determined in the following way. Crack length
(2a) and cycle results were taken from the analys.s
at nearly equal cyclic intervals between the initial
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crack length and breakthrough (a = t). From these
values of crack length and cycles, the average rate
and maximum range stress-intensity factor were
calculated. The predicted rates (solid curve)
agreed well with the experimental data for both
small- and large- crack behavior.
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Fig. 18 Small corner crack-growth rates in a clad
aluminum alloy under spectrum loading.

5. FATIGUE-LIFE PREDICTIONS

At this point, all of the elements are in place to
assess a total fatigue- life prediction methodology
based solely on crack propagation
from microstructural features. In this approach, a
crack is assumed to initiate and grow from a
microstructural feature on the first cycle. The
crack- closure model and the baseline AKeti-rate
curves are used to predict crack growth from ihe
initial crack size to failure. Comparisons are made
with iatigue tests conducted on the single- or
double-e%ge-notch tension specimens. Results are
presented for three aluminum alloys and one
titanium alloy under either constant-amplitude or
various spectrum loadings.

5.1 Constant-Amplitude Loading

Fatigue life (S-N) data for 7075-T6 aluminum alloy
are shown in Figure 19 for constant-amplitude
loading. A symbol indicates a failure and a
symbol with an arrow indicates that a test was
terminated before failure. Inthe analysis, the initial
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Fig. 19 Measured and predicted fatigue lives for
aluminum alloy SENT specimens.

crack size was aj=3um, ¢i=9umand b=05
um (defect or void half-height). This crack size is
the average inclusion- particle or void size that was
measured at actual crack-initiation sites. The
effective stress-intensity factor range against rate
relation used in the analysis is given in Reference
20 and (AKeff)th was assumed to be 0.9 MPavm.
Using the life-prediction code (Ref 39), predictions
were made for constant-amplitude loading. The
solid curves show the predicted number of cycles
to failure. The predicted lives were in reasonable
agreement with the test lives. In addition to
predicting fatigue life, the analysis methodology
was also able 10 fit the endurance limit as a
function of stress ratio.

Fatigue tests were conducted on Ti-6Al-4V titanium
alloy double edge notch tension (DENT) specimens
in the AGARD Engine Disc Cooperative Test
Programme (Ref 24). These results (symbols) are
shown in Figure 20 for two fan disc forgings. To
make fatigue life calculations, the baseline AKgff-
rate relation, shown in Figure 8, was used to
calculate the life of the titanium specimens.
Because no information on crack-initiation behavior
was given in Reference 24, life calculations were
made on initial crack sizes that would bound the
experimental data, like the equivalent-initial-flaw
size (EIFS) concept (Ref 45). The solid curves
show the calculations for an initial semi-circular
surface crack of aj =5 and 25 pm at the notch root.
The soiid symbol on the stress axis denotes where
the net-section stress is equal to the ultimate
tensile strength. Because of the notch
configuration, notch strengthening is expected and
the upper plateau is an estimate for the maximum
net-section stress based on the results from the
finite-element analyses (see Fig 4 at the high K
levels). In a microstructural analysis, Wanhill and
Looije (Ref 46) found that the primary a-grains
were about 10 ym in diameter and the transformed
and aged B-giains were about 20 um in diameter
for these tan disc materials. Further study is
needed on these materiais to see if cracks of these
sizes would be present early in life or to see if the
baseline curve (Fig 8) is appropriate for small
cracks. For low AKeff values, small cracks in the
titanium alloys may grow faster than large cracks,
as observed by Lanciotti and Galatolo (Ref 47).

1000 Ti-6AI-4V (Ref 24)
Sa=120
u 8=35mm
800 Ke = 31
R= (1
60| Sn = %
- — Ciosure mode!
n;u: a; = 5 g
MPa 400
se —
200} o wowMD 1113 e
o LWMD 7200 9; = dap
0
102 nd 10% 103 108
cycles
Fig. 20 Mea-urc. st ted fatigue lives for
titaniumr = A% Al 3.




5.2 Spectrum Loading

Expermental and predicted results for fatigue t. "5
conducted on 7075-T6 bare and LC9cs clad z. v
Sﬁoecimens under the Mini-TWIST spectrum are
shown in Figure 21. These tests were conducted
on SENT specimens (Ref 20). The solid ana
dashed curves show predictions for each alloy
u_sin? the initial defect sizes shown. The defect
size for 7075-T6 was the average inclusion- particle
size that initiated cracks, whereas the initial crack
size for the clad alloy LC9cs was somewhat larger
than the cladding-layer thickness (50 to 70 um).
The predicted lives were in reasonable agreement
with the test results (s¥.mbols) but the predicted
I(;ves tended to fall on the lower bound of the test
ata.
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Fig. 21 Measured and predicted fatigue lives for
SENT specimens under spectrum loading.

Comparisons of experimental and predicted fatigue
lives of notched 2024-T3 aluminum alloy sheet
specimens under FALSTAFF, Gaussian and
IST load sequences are shown in Figure 22.
These tests were conducted on SENT specimens
(Refs 7 and 19) but they were cycled until a crack
had grown across the full sheet thickness instead
of fallure. The predictions were made using an
initial crack size that was the average inclusion-
article size that initiated cracks. The predicted
ives agreed well with the tes! data.
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Fig. 22 Measured and 1pred|cled fatigue lives to
breakthrough for SENT specimens.

6. CONCLUDhW REMARKS

The “plasticity-induced"” crack-closure model was
used to correlate large- crack data on several
aluminum and titanium alloys under constant-
amplitude loading. A constraint factor, which
accounts for three-dimensional state- of-stress
effects, was used in determining the effective
stress-intensity factor range against rate reiations.
These relations were then used to predict large-
srack growth under variable-amplitude and
spectrum loading. Comparisons made between
measured and predicted small-crack growth rates
intwo aluminum alloys showed that the closure
model could predict the trends that were observed
in the tests. Usin? the closure model and
some microstructural features, such as inclusion-
sarticle sizes and cladding- layer thickness, a total
jatigue-life  prediction method was
demonstrated. Fatigue life of notched specimens
made of three aluminum alloys were compared with
- -edicted lives under either constant-amplitude or
csectrumloading. The predicted resulls were well
within a factor of two of the test data. Fatigue lives
for Ti-6Al-4V titanium alloy could also be bounded
by using initial crack sizes of 5 and 25 um in the
life-prediction method.

Further study is needed to determine constraint
varialions aiong latigue crack froils i various
materials and thicknesses. These constraint
variations are needed to improve life predictions
under aircraft spectrum loading, especially for thin-
sheet materials. At low rates, the development of
the large-crack threshold and its significance for
design Iife calculations also needs further study.
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1. SUMMARY

Crack growth prediciions jor throngh ansd comer cracks i
TOTS 1631 plate muder constant amphitude loading and
comer cracks nider wo sapable amphtude spectra were
made nsmg o ‘bliack bov' criack closure program Fhe resalts
were then compared with expeniment and vartous
parameters adpsted to myve the best match (o the
cypenmental results  Flie optiimum paconeters chosen wall
be used tor subseguent bhind predicions 10 be made on ths
matenal and ditteran bt related spectra

2, INTRODUCTION

Use of crach growth predichon programs s no fonger
restricied 1o the developers of such progrms and those that
hiv e mamy sears ol eypenence nsimg them - ey are
tregquently used as "black boxes” by engineers whose
cypenience mady be hmited 10 0 unversity conese on the
snbpect 1 was therclore considered osetnd totake « "black
box’ program and deteimine how well o refativels
mespenenced iser meght be able to predict expermental
results

This was done as part of the Canadian contethntion to the
totiow on FTCPITHY B Stmctures and Dynamies Panel
Collaborats ¢ Program 8 2,V ahidatnon of | rchiere
Mechimies Modeds jor Appheation i a Damage Tolermce
Assessmient

2.1 Background to the Program

Al e Seplember 1983 mecting ol the T 3 snhgronp ol
Lhe Techmeal Cooperation Program L TCTYL at was
suggested that a worthwhile collaboranye exercise gt
cvolve Trom application of vanons crack propag
mudels toa matenal witha well detimed set of constant
amphinde data hay ing cquvalent data inder varabte
amphinde foahng  Accordmghy, the ted Kingdom
provided constant amplitnde crack growth dati tor sevenal
ditterent materials and the results of criack growth tests
inder two vanable aniphiinde speatr, TWVIST (F and
PAESTALE 20 Seven paricipants then produced erack
gromth predichons by aomethod ol therr choee s ithont
teterence 10 the vanable amphitnde loiding resntts Inese
Predichons sere reported i Keterenee 3and showed thin
the rano of predicted 1o measared ives ranged trom abont
G110 25

An analysis of these results (4) condnded that analy ses
wlinch are aot supported by expenmental calibranons may
lead 1o senons errors and Disted a fagee mmmber o tactors
which hat i nigor sitinence on the aconrcy These ranged
trom the tevel ot expenonce of the mly st to the
retardation model and cionee of parameter values e
report reconnierded a nesw program wineh wondd consist of
both expenmental and anals tecil pliases, where the
aralviical techmepres conld hiest be Gihibrated by
compartson with test resnlts and then msed 1o predicd
ackehtn mal test resalts inthe seeomd phiese without
hnowledge of these results  Fhese test resnlts wonld be oy
ditterent stress Tevels and spedtra typical of e fleet
vanations

Uader the FTCP TP % Stnuctares and Dymannes Panel ¢
2tV ahidanon ot | actime Medhamies Modeds for

o n a Damage Tolenance Assessmenty the
ies r Lo agreed to sapply crack growtdata
and the results of constamt amphtnde and specrum loading
tests for the tiest phase, with addimonal resnlis jor related
spectra bemg retmned jor the secomd phase  Parapants i
the member conmtnes were regnested 1o provide the results
trom the hrst phise predicions pnor to proceeding 1 the
second phase  Flus repont detals the Canadian resnlis 1or
the hirst phanse

1.2  Supplied Data

Fhie matenal data ~upplicd tor this progeam was i the torm
ol didnversns deltan Kt ongniatmg irom 1ests i siress
rafios (K vainesy of (0300t and 0 3 dop 7178 1651
almmnn - Fhe tests were conducted on both compadt
twnston and cemre crached fension speamens o positive
valnes of Koand oncentre crached tension specimens o
negative valnes of Ko The data was supphicd onan 1B\
cospatible foppy dish Alsosapphed were twovanabte
amphiide spednn, correspondimg 1o stress spratra (or &
typatl frghter and a1y praat tamsport aireralt lower wing
shin loadmgs

2.3 Predictions Required

Lhree hstinet senes of predections were regured. swath
stress amd geometry sananons swithin cach senes Senes
predichions were tor constant amphitude loadimg ot a panel
with a throngh crack at a hole  The smtial crack dimension,
the through stress on the panct and the stress ratto vaned,
swith tEtest conbigurations mototal Tor this senes the
predicted hite iuid the crsch fevgthar inlure were reqriested

Lhe sccond senies of predictions were for constan
amplitnde loadime ol a panel with a caaner cack ma bote
the il crack demensions the thioigh stress and the
stess stio viared, with 7 contrgurations i total - bor s
series the predicted Tite e crak tength an Lalre. the
crdch aspect tatio at three crack stzes and the crack tength
and numiber of cyddes o tmsition swhen the ceck
alonz the bore of 1he Tiole reachies the back smiface of the
pliated were teqmred

Fhe thind senes of prodicnons were fon the same gevnictny
as the secomd serres. bt nder varabte smphitide Joading
Fwo normahized spectra were sapphied, denoted “tighter”
and “transpont™ spedtra Fhe spectea were also supplicd i
comted versions althongh few detarts wac given on the
cotntmg methed othier than it was o combimation of
ranntloss and g panr connting For this senies,
orchichions were requesded Jor fomes fo bnime and throngh
the this hness penctration, the ik shape aspeat tatio
thickness penctdiar ad the coticat cick size o Lodore
Huee predictions were regqnned tor the trighter speatonm and
hive dor the transpeat spectouni

Presented at an AGARD Meeung on An Assessmeni of Fangue Damage and ( rack CGrowth Predicion Techmgues,

Seprember 1993,
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3. CRACK GROWTH PROGRAM

3.1 Program

Fix: program used for tire predsctions was o propnetany
program snpphicd wath a user's nsnal bt httle
docnmentation ol the program

32 Crack Growth Model

Ihe crack growth moded used i the program s based on the
contact stress model of Dilland Satf (3.6)  Thisas based on
the evaluation of the stress itensiny cansed by crack
surface contact amd assumes that crack propagation s
dnven by an effechive stressantensity range Ananalysis
of crack surlace displacements durmg loading and
unloading 1s used to determine the permanent plastic
detormation lettm the wake of a growmg crack and the
coniict stresses cansed by the mterlerence of these
detormations are calenliated  The eflective stress mtensity
range 15 then Tonnd by sabtractimg tw stress mtensity
vitsed by the contact stresses from the apphicd stress
mtensaty rnge (5 Fhe model can acconnt tor retardation
lollowiag one or multiple overdoads and aceeleration
lollowmg underlomds 16y

3.3 Parameter a
Althongh it was orrgmily ised 0 acconnt Tor Hie state of
stress (plane stress or plane strmn or somesshere between),

the pariameter cosed mthe model s desenbed i the nser's
manual as “a paranieter nsed 1o deteimme the amoual of
criack retardation” and o8 used m practice to tine the neudel
The vatne of e lies between {and <1 owitha salue of O
generalty nsed imtgally

3.4 Material Property Data

Fhe prograntsas sapplicd weth niaterial data Tiles Tog
several ditferent matertals bt also alfoss the nser 1o mpm
additamal material property data hiles Sce matens
property data had beew supphied wth e st data and iput
al matenal data olten leads to problems of prediction
accaracy, i wirs decrded 10 nse the sapplied datam tins
CACTUIS

1 he program reguired crach growth data al @ steess Gt ol
seroand the tollowimg matenal popeities

Modufos ot fasne 'y

I'orsson’s Ratio

Cyehic Prapodional 1 onn

Cyehic 0277 Ofset Yeld Siess

Monotose 027 OFset Yacld Sress

! Rimate Stienwth

I Itemiate: M

Cnncal Stress Inteasny acton

3.8  Frogram Treatment of the da/dn File
For constant amphtnde foadig, the cHicetny ¢ mmmnnm
stress tensity as primasrtdy a dunchon of stress rahn, R

atd the pagicter o Fhe mmnmn cHecive stiess

tensty s Ky egp s atas poative satue ol Roas calaulated

as

Knmnett Baan "N * N " Ny K-ty

where Npsainction of R\ posalunchon ol the vatio ol
cxdhie o monddome sield stress N s necion ol ccand

Ky 1 the stress mtenaty based on the peak foad 1R s

negabive the formuli beconies

{ o K agelk ke VR

Koun eft = Ky “etki*e R (R
where

B R AR TRAT:

atasalne ot R0 and A inrd 1 are constants

Fhe progrnm calenlates an cqmvalent da dn vs ARy table
Trom the wmpot da dnvs AR at RO by adjusting the data
ising the factor edfhr - The data s abso adjusted by K the
crmcal stress sntensity and the loganthm of the data s
taken o alfow hincar interpofanon between data points
I'he corresponding coprations has e the torm

dxdny g 1oz tdndng o # R, AKY R

ad
AReqp log AR ol cllken

3.6 Stress Intensity Solutions

Nress mtensity sadubions lar commum geometnies are hindt
mieo the progrinm and these were the stiess mtensly
solthions ased i this imveshigation

3.7  Spectrum Input

Foads are mput toothe program as i senes of normalized
vt and mumma and naher ot cveles of that partecalar
parrof Toad levels  The useres inamisd mdicates that all
sanable amiphinde spectra shontd be conrted 1o chimnaie
o cllecve large v le bemg comsidered as o sernes ol
small cvddes 10 akso recommiends blockme the spectnm to
1cthce compntation hinw

4. PREDICTIONS FOR THROUGH CRACKS
(CONSTANT AMPLITUDE:

4.1 Selection of Material Property Data

410 Charadtanzation ot Supphied Daty

The supphied daty conststed af dacdn ve AN dato o 1
specimens at vanous vabies o R Fhese data wag
acnerated by the Waeht Fabonsony asing contre crachad
tenston and cotpiict tensteay Iest specamens macheed
Trom 078 TGS whniunam - [he data sere plotied
host i anves were nsaimally drvsseon to fi the dota
procducing e arves onc cacde o |B00S 101l
R OS5 Sice the data tor KO0 E consisted of culy two

tests, el at foss AR sanges ths dats it was not utrhized o

thas stage  The onginal dista and resilting cnmves e
tthshaned o Lrenres 1 throngh 3

202 Conversion of Crack fneasth Prta

e acqusrement ton the matenal data tleaegimed asanpat
Dy the progeam s tabubar da do vorsis AR data boe o stress
tato ol R60 His can be obtaned tom the supphed da do
sersis AK il ot uow 2cio valies of R thirongh
nusmpodatton of the cquations presented i sechon 35
The “Best 1 hines o the supphied dia sere conserted o
1 ndata nsing these eqprations for valnes of ceot §oD and
srespeativels Vhest i RO Oranmve was dhasn throngh

%

&




cach set of data mamually v vafne of | was iissnmed for the
raho of cychic 0 2% otset yicld stress ammtome 0 27
offset yiedd stress sinee s safue was not supplied and 1
litd hittle elfect on the posibon ol the cunes

Since there was little difference m the spread of the data at
ditterent R ratios tor the ditferent values ol s, the hest-hit’

fine ab e —0, as shown an Lrgare 4, was used i subsequent
analyses

4.1.3 Commuson of fapnt Dista with Raw 1 xata

order i see b welf this R Geurve ttted the raw data.
was transtrmed back 10 didnoss AR and plotied over the
aw datiat R 05 0 L and 0.5 as shownan fignres S 1o 7
Lhe program data tor 7073 173 and 176 plate and 176 sheet
are also shown Tor companson

One additiornl datia ponnt was added to the cnrs e at the
Inghe: growth rates because the program log hncarty
cxtiapehates higher gnwith rates trom the Last iwo pornts
These poats were made 10 gve a similar stope 1o the
program dita Tor the other 078 alnmmnms e selected
cnrve Iits the dataat KO 1 gmte welt bt oserestimates the
growth rates at ligh AK at K- 0 5 and undereshnzates the
same range at R OS5 1cappears that the threshold tor the
negative R values s also overestinated — the thresholds Tor
the three 7073 liles supphed sath the program are alt
stanlar and show better agreement with the negative R data
The 173 and 176 sheet dita also shms better agrecment
with the data at the ngher gromth rates

A comparison of the four crack growthicunes at R 0
showwan Frgnre 8 The best it hine follows the 176 phate
data at the higher growth rates and the 173 data at
mieimedate ptes and shows a hagher threshold  The
program dati lor the 7073 176 data sets abso tend toward
the critical stress mtensity at i growth rate ol 10 2 mhes
pereyede  Fhe best it bme, however, has a AR ot anby

i
sabout 40 kst v al g grosth rate ol HY = mches per cvdle
compared o cntical vatne of SEO ksvim

4.1.4 Additiond Matenal Property Data

The program material frles abso contamn crght material
propertses desenbing other physical properties of the
pmaternil e detied o Secion U Do b alaes Lo il e
ol clustraty arkd Porsson's rutio were assimied to be the
st as lor the existing program matenial data hiles lor
TGTS aluninum. white the monotonie 127 otbset vield
stregth and the catical stress intensity were taken as the
vabies snpphicd with the THCP data The exche
praportzonal it and the nlomate strength and st are
aot nsed i the analysis tor the parhionkar geometrs and
condittons ised tor these predictions and pommsal situes
were therelore msed Contlicting data was Tonnd on the ratio
ol ¢xelie to monotome s reld stress the ralio was herelore
issumed 1o be booThe materal propeny sabies were thus

Madnlns of Tlastiany TOONKY kst
torsson's Ratio 0333
Cyvelie Proportional L o0 kst
Cvehie 0 2% Ofbset Yaekd Stress 79 ks
Monotome 027 Otlset Y reld Stress 79 ks

U Himate Strength RR kst

U linxate Ntrain 002
tritical Stress Intensits Faddor SEO kstovie
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4.2 Spectrum Preparation

The program consaders the stress intensity 1o be constant
dunmg apphication of i block, based on the geonretry at the
start of the block 10 theretore important that the block
length not be very long  The spectrom swas therelore input
as i block of 10 ¢yddes with a maxannm ot 1 and i
mmum cyuad to the R salne jor the reyuired prediction
Sinee the grogram ontpnts howrs sather than nmmber of
ovedes, a bfock was detired as | v The numbers of caedes
could then be obtaned by arultsplyving the hours by 10

4.>  Results

{he nnmber ol cveles 1o Lnlare and the Tial ek lengths
predicted nsing the matenal data inpat of higore 8 and a
value obre ol O are shown i Frgures 9 and 10 as three
dimensional plots ol the rtios ol predicted to test hives and
crick fengths respectively, wiale hignres 11 and 12 show
stnlar resnlts for valnes ob et Fand « 1 respectivels

Companson ol Tignres 9 1Hand 12 shows that ising a
vatue ol ool O produces shghtly more consistert resuhts
over the range of Rand stress fevel and Faguaie 10 shows
that there 1s good corretation with hinal crack length tor an
w ol O Hosweser at s apparent from Frgnre 9 that the Tives
are mderestimated as the R ratio s redneed and the siress
level s ancreased s implies that the crack growth cune
1s overestimating the growth rtes at the higher salues of
AR and at the lower values of R 1he cans e therelore nieeds
1o be shitted at ngher values of AK toward the canves tor
the 176 sheet matenial sapplied wath the program

Fomvestigate the sensiaty to the growth rate wnne,
predictions were obtatned tor the three 7O7S matenal data
fites i the program The tmat crack lengtle predictions
were n hincton primandy ol the cntical stress intestly
assnnied. bemg much fower for the 175 plate which has a
mrich fower  nitweal stress intensity - Fhes s showu
Frgnre 13 which shows the ratio ol predicted 1o measired
bral crack tengths as o Tnnction ol cntsaal stross miensity
JIll l\.‘lll\ "; ‘I‘\ '?l\.dl\lll'll. lll'|1l \‘l\ 0—* l|l|\| ‘_D" \lllkl ‘}lll(l
swhich show sinular growth rates, particulardy at lngher
values of AR gave very good prodicions . wiile the 176
plate data, which gave a stmfar curve to the denved 1051
Pald slpvnid & Woalis s dhepmeridenny o e restilts
obtamed with the snpphed matenal data and generathy poor
agreement wath test

Fhe slens ed natenal corve bor the TOSE nateaal was
therelore adnsted sotlat af Tollowed e 176sheet data at
Ingher salues of AR as shown i Trenre 13 and the
predictions were repeated for ance ol 0 Ehe sesulis ore
shown i Lignre 1S tor hile and brgte oo enck fongth
Agrcement is excellent over the whole rmge ol R aond
stress, wath a mean predcnon rano of 1 aS and o standard
devatton of 0 14

S, PREDICTIONS FOR SURFACE CRACKS
(CONSTANT AMPLITUDE)

S1 Input Dala
the modilied matenial data 1ar e 1651 matenal shownm
Prgore 14 was used as the matenal trpat and the spectrm

was pitas e Section: 320 The panieter o was set o 6

Fhe program optica Tor an edge crack it 1he edge ot a hade
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wits used but it shontd be noted that the program and 17CP
nomenctature for the 1wo crack directions (through the
thickness and across the plate) are reversed  Phe 1107
nonenctature 1s used in this repon

5.2 Results

The resnlis tor the second senies ol predictions gave a mean
predhctied hie 1o test hie of 1193 with a staxdard deviation
ol 020 The results Jor total hie, hie 1o penctration, Linal
crach tength and crack shape at vanous crack tengtis are
shown i Ligures 1710 20 Jagures 17 and 18 show 1hat
the total hves and hiyves 1o penetranon Tollow a very
stnular patten, wath fess seenrate predicions at a stress
ratio of 0 5 and generatly lower prediction ratios lor the
Ingher stiess fevels  The aean predichon tatios are igher
for the Iile 1o penetratvon than lor the totat hie

T he hinal crack lengths are predicted qnte well as shown i
brgnre 19, alibough they are shightly oserestimated  The
crach aspect ratios are also guite reasonahite, althongh
alwass inderestimuting the test resilt Hiese resndts show
o evadence of any systemiatie vanation

6. PREDICTIONS UNDER VARIABLE
AMPLITUDE LOADING

6.1  Input Data

The moditied matenal data tor the 1631 materral shown m
1 ienre 14 was agam used tor the nratenal mpnt. the
paranieler o was sel 100 and the program option tor an edge
crach an the edge ot a hole was ased  The spectra, as
praaded were st cheehed 1o clinmnate any non tumimg
poants tthete were several i the transport spectrom) and
then put as siple panrs ol s and onmm as they
vcenrred  The mumber af repeats of cacleyde was setat |
unless comscantiv e cseles ol the same deseds ocenrred - he
FLCT commted spedtn were mpitan a sonlar nemmet
afthough there were so non rnmg pants m these spectra

A additional spectiam was senerated Trom both the hghner
AN TS POFE SPCCliun Bsne .y GG pan cotihng
techinge it retinnmg the order of the cargninal peaks as
described by Chanrg 07y Fhese spedtnaare reterred toas the
AR connted spectie

6.2 Results

Bigines 21 1o 23 show the predicted o tested otal Tises
nsie the nnconted FTEP conted and TAR comited spectra
respectisely A three show silar trends, with shglithy
Insher prediction vmos at the Joswer dress fevels, althongh
the TAR comded transport spectrim gaives lower predicions
than the otliers The umconnted speetrr give o sinnlar meim
Predicticar ratio 0 93 o thie TP connted speectra (990
with the Toswest staidad deviation a1 3y

Lrgme 24 shows that the tnunl crack lengths ine
overestimtated by an aserage ol approxinatels 3097 even
theaigh the Tinal crack Jongths tor sindar constant
ampditide tests were wittnn 75 o enage Ligore 29
show s the ratto of predicted tetest e to penctraton T he
torm ot e aesnlts s st 1o these ton the tinal crack
lesreth bt there s much more saration The tatio of
predictad totest arack aspedt ratios are sheavn i igare 26
Hee cnach aspect rations senerally under predicted as o the

-

senes 2o coastait amphitnde tesis

7. DISCUSSION

Fhe mstiad constant amphinde prediciions lor through
cracks v the 70751651 alonunum plates using 1the
snpplicd difta were quite poor, show nrg a large dependence
on both stress and stress rate Howeser, by increasing the
crack growth rates at ngher values ol AK to those of the
T76 sheet data supphed with the program, it was possible
10 get exeeltent esults, both in terms ol total e ad final
crach ength using a vadue ol O lor the parameter

I sing b sanke matenal data and paraneter o, the

predictions lor the comner crhs were qate good  Towever,

1t appears that the crack growthin the throngh thickness
direction s 1oo fow winch results ia Lie to penetration
which s oo long and a crack aspedt raho wiichas oo
smnalt 11 may e necessary 1o use dedlerent langie crack
gromtir curves tor the 1wo directions 1o improve the
predictions. simce throngh the thickness growth res
waould be expucied 1o be ligher

1 he tinal crack lengihs were over predicted lor this senies
swhereas for the throtigh cracks the timd crack Teugth was
very aeanite s s probably related o crack shagee,
sinee 10 s vubkely that the crack Tront s stcueht g
prachce alter stariing as a comnar crack afthongh tis s
swhat the prediction assnmes once the crack has penetiated
the thckness

Ihe predictiens tor vanable amphinde loading of come
crachs were dependent on the specinnn comiting techugne
but showed sular trends There was less dilterence than
mnght he expedted however, espeaally between the
uncounted and 11CT connted spectra This as probabls due
to the mahme ol the spectra winch v e dealy been hiliered
signilicantly  The Jighter spectiann particntar is very

U hav g only three ditterent ‘trom’ fesels Hies
explanis the smmlatity between predictions tor the hiehta
spectrim nsimg alt tnee ditferent conmtimg methods

ol

The predictions 1or the nncomited spectra ans as afue of o
ol 0 showed good hie predictions and the teast seatter and
this coupled sl the sunpliciny . make 1t the preterred
tedhmgne tor these particnlar spectra or spearra waith a
stemhicant nomber ol ey ddes which conmist o
combunation ol sualler cvddes, o conntig techigue nias
beacgmead

Lhe Torm of the resalis tor the nucounted spoatra are sl
to thieae Tor the coaaatant amphibide predichons Tren come
crichs Hhe crack aspedt ratos are under predicted and the
predivted Iite o penctration s too sl Howes or, the
ditterence as mch greates than fea the constant anphiiide
predictions, wath the prediciad hite fepepeinanes ang 3
tmes too fong weone Gise s may well e related wele
nerachon ol e plastic zone aid the edec ot the plate m
additson tecthe dilarent 2reas th vates e o dnections

The predicted hial ciwck fenzstlis shess ahie same iend as o
the constant amphitiede predictiions Tronr caanet cracks
althiong agann e discrcpaney s Tnger Flas s probabls
becanse e s hkely tebe mere crack asyvinne
greaving a Hnongd crack Ledn g corner ok i vanable
aphiide loading




8. CONCLUSIONS

A comparnison ol constant amplitode creh growth
predictions lor through cracks 181 7078 1651 alununnm
with test results, mitially showed a large dependeice on
both stress and stress ratie Howeser, exeellem
predictions lor both hile and tinal crack length could be
obtamed 11 the supphicd crack growih data was modified to s
crease the gaomtl rates at lugher values of AR These

results used i alue of O lor the paranketer 1z

Esing the same pagamieters for constant amphitnde crack
growth predictions Trom conwer cracks showed good
correlation wath test, althongh the prowth i the through
thickness direchon was nnder predicted shghtly and the
tnal crack tengths were over predicted T wiss attnbuted
to dilterent pusteril growth rates m the two directions and
crack asymmetny

Predicnions Trom corner criicks under two vanable amphitude
ivodmg spectra showed amlin irends (o 1hose tor constant -
amplitude loadiag bt the errors were larger However, afl

the Wlie prediction ralios ustng unconnted spedra were

within the range Trom O 37 1o 1 34, wlile the binal crack

length prediction ratios were within the range Irom 1 08 o

141

1 ntuse hund predichions log this mateaad on sinilar spectra
will be made sang the modiied matenal data tile, a vatoe of
ol (Land uncounted speetra Predichions would be
eapected to he within a factor ot two ol test results - the
naterial s changed or the spectra are sigmficantly
ditterent, lurther validstion would be regmred

Detinled knowledge ol the program 1s not required to make
reasonable predictions, but the aser inust understand how 1o
property anput the data - Comparison with expenmental
resulls s a simple way ol confirmung this understanding
and venlying the vahdity of the data
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THE CRACK SEVERITY INDEX OF MONITORED LOAD SPECTRA

J.B. de Jonge

National Aerospace Laboratory NLR
P.O. Box 90502, 1006 BM Amsterdam
The Netherlands

1. SUMMARY

To assess the consequences with regard to fatigue
and damage tolerance cf changes in operational
usage, a simple means to quantify the relative
severity of recorded load spectra is required.

This paper describes the development and validation
of the "Crack Severity Index" CSI as a means to
express the relative damage in terms of a "crack
growth potential® of stress spectra. The CSi is
based on a crack-closure crack growth model and
takes account of interaction effects by considering
the shape of the spectrum.

It i{s shown that the CSI-concept is a reasonably
accurate method to compare the relative severity of
manoeuvre dominated spectra in aluminium alloy
structure.

2. INTRODUCTION

The majority of current fatigue load monitoring
systems for military aircraft provide for the
determination of service load spectra in one or
more significant structural locatior., wusually
indicated as "Control Points". These load spectra
are derived either from direct strain measurements
or caiculated from a few simulraneously recorded
flight parameter histories.(1)

In order to assess the consequences of observed
changes in service load spectra. a means to
quantify the relative "damage” of these spectra is
needed in the past , the usual method was to
calculate the cumulative fatigue damage of the
spectrum, on the basis of Miner's rule, assuming a
"represertative” K, and an appropriate S-n curve.
Untortunately, the outcome of these calculations
turned out to depend heavily on the assumptions
made and did rot reflect any load interaction
effects

The General Uynamics Flé is the first line Combat
aircraft rype operated by the Roval Netherlands air
Force. The F16, like most modern fighter aircratt
has been designed according to Damage Tolerance
Design Criteria. for such aivcraft the (possible)
amount of crack growth rvather than fatigue lite
consumption defines the severity of a load
spectrum.

The NLR has developed a methed to express the
severity of recorded stress spectra in terms of
"crack growth potential” This Crack Severity Index
(CSI) is wused to assess monitored Flé Service
stress spectra as part of the RNLAF Fl6 Fatigue
Managerment Program

This paper starts with a description of the
background and the develcepment of the CSI-concept
Results of a large number of crack growth tests
under widely varving load spectra were used (o
check the validity of the concept t is shown that
the CSI i{s a reasorably accurate measure ta compare
the crack growth damage of manoeuvre dominated

spectra in aluminium alloy structure. In a general
discussion, specific aspects of the CSl-concept are
reviewed. It 1is showr that the CSI can also be
usefully applied in studies to influence the
fa~igue consumption by operational measures

3. CSI-DEVELOPMENT

Stress spectrum. It {s assumed that the stress
history in a specific structurai area has been
recorded over a certain period, say for example
during 100 successive flights. This stress history
has been analysed using "Rainflow" counting'?’; the
resulting "stress spectrum” consists of n stress
cycles { with max stress sg,, , and minimum stress
LESI

Crack growth law. The crack growth due to load

cvele i is given bv a simple Paris-tvpe expression.
. oL o Fl
da, = Ci{aKgep 1" = CLB(a!vua P AlS g

a is the crack length, d(4) a geometry function and
m a material constant The effective stress range
OSere 4 = Smax.t * Sop

The opening stress level s, is a function of the
stress historv as sill be described further on, but
is supnosed to be independent of crack length.

Spectrum crack growth, £q. 1 can be revritten

da

[———:——“-“ " Spary = Smp o (2)

(Bla)yna
ar

f(a)da, -1sg,, ;-5 "

with

£(a) * oot )

Lﬁ(a,‘vrna

Under the spectrum a crack with length o, will grow

to a, Defining the integral of £(a. as Fia), the
crack growth can ne calculated trom

"
F(a,) - Fia,) = ¢ 2: [E S LAIM (5)

1ol

In this equation.the left hand side {5 purely
defined by the the structural geometry crack length
and mater{al properties (through the term m) The
right hand side includes lodd-spectrum terms  plus
agafn the materia! parameter m Note that the right
hand side is independent of crack length (under the
assumption that s, is independent ot crack
length). We can sav that the right hand side
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defines the "crack growth potential” of the stress
spectrum: two spectra yielding the same value for
the "right hand side term®” will cause the same
amount of crack extension (a,-a,) starting from a
crack with size a,: this right hand side term will

be called the Crack Severjty Index CSI:
n
CSL = C ¥ (Saans=Sops)” ®
iel

As ‘he CS1 is used to compare different spectra,
the value of the constant C {s immaterial: In
practice, C is chosen so as to yield a CSI ~ 1 for
a "reference” stress spectrum.

e o n tress s,, It will be clear that the
magritude of s, has a maJor influence on the
amount of crack growth, and the determination of a
simple rationale for calculating s, is a key
element in the CSl-development.

In fighter aircraft, the interest is concentrated
on the development of relatively short cracks,
emanating from initial flaws of say 1.25 mm in
usually relatively thick structure. Hence, for
cracks of interest plane strain conditions at the
crack tip may be assumed.

Under constant amplftude loading. the opening
stress s, may then be approximated by the
expressions given in Figure 1 (Ref 3).

”’*'Zlm:!.nuna‘n = e @
mag
0R- . =025+006R+113RT . 0MR DR

01 > T O
0 3 DA T | A o IL o™ o
04 02 b3 (14 04 04 ns ta
R
SU sIV’IVY
Fig 1 PP asatunctionof R - ™ tor plane stain condtions

max max

Under varjable amplitude loading, a much more
complicated situation exists as the instantancous
opening stress depends on previons load peaks and
vallevs and their associated plastic zone
near the crack tip. This eftect of preceding
overloads and underloads on the crack opening
stress is currently considered as the cause of so
called crack growth retardation wunder spectrum
loading. To study the behaviour op s .. an analvsis
was made of the s ftor typical manoenvre dominated
fighter aircraft load sequences,using the NIR “in
house" computer program CORPUS «Calculation ©f
Propagation Under Service loading) (Ref. 1) CORPUS
is an advanced program for cycle by cycle
calculation ot crack growth

Figure 2 shows typicai results for a part of the
{relatively long) load sequence aralvsed. !t tuarncd
out that after a certain number ot tlighis a
"minimum opening stress" has developed, which is
purely defined by the highest peak and the lowest
valley in the stress sequence a high load pushes

. operng stress

i
20 .
STRESS :
10 :
08
. npening stress

a0 - i |

|
STRESS | ' lﬂ;
: |
10 :

0 50 100 150 200

Fig 2 Opening stress levels calculated vath CORPUS tor two thyghts in the
analyzed sequence

up the opening stress, thus reducing the amount of
crack growth associated with the load cvcles coming
next. The opening stress is lowered again when a
low valley occurs. The “memurv* of the overload
will end with the advance of the crack tip, when
the tip grows out of the plastic zone produced bv
the overload.
On the basis of the above considerations. the
following rationale has been adopted for
calculating s .
S.p, Pertaining to stress cvcle i is the largest
of :
1. s,y , determined for s,,, ., and s,
to Figure |
2. S;pmn determined for the highest stress
occurring in 30 flights, s . . and the lowest

according

stress in 30 flights, s, ;. wherebv s . is
related to s.,,, - and s, . according to Figure
1.

This number of 30 flights represents the estimated
average "memory‘ period for overloads. considering
typical plastic zone sizes due to overloads and
typical crack growth rates

The definition given ahowe for s implies that a
"relevant” (Sl.value can only he determined tor a
stress spectrum cavering at least 30 flighrs it o
€S1 has to he determined for a =zmaller hatch of
flights, a walue tor 5. we MISE be assumed,  that
means it must be assumed that the specitie hatceh of
tlights belongs to an overali usage tor which rhe
"extremes” ot the spectrum are known

%. VALIDATION OF THE CS1.CONCEPT

In order to validate the €S8T-toncepl calcnlated
CSl-values were compared with resnlts of  crack
growth tests on simplv notched piate specimens.
made of 7475 aluminium allow plate with a thickness
of 7.62 om  Specimens weve provided with ecither a
corner crack or a through-the thickness crack o see
fig 3;
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Fig 3 Specimens used for crack growth tests

A number of these tests were dafined specificaii~
for the CSl-validation but the majoritv of tests
were done as part of the RNLAF F-16 Life Management
program. In the foliowing, results of these
comparisons will be discussed for a number of the
test results that were availabie.

In these comparisons, the “calculated severity"”
refers to the CSI value computed for the specific
test spectrum, whereas the “"observed severity" is
the inverse of the crack growth life until a - 16
mm as found in test

106G

STRESS = 495" WPa
(MPa)

— “Peeic” specirum

Omission

= — Truncation at
72 195 45 MFa

-100 - . b
LEVEL CROSSINGS PER FLIGHT

Fig 4 Predicted and observea ettect of spe trum changes un spectrum seventy

The wmaterial constant o used in the (Si
calculations was equal to m=3.

Figure 4 presents spectra for some tests done
specifically for CSI valildatlon. The “basic"
spectrum refers to the wing bendlng moment of a
flghter aircraft. In the spectrum Indlcated as
"omission®, all load cycles with a s,, lower than
the predlcted s, ., (49.51 MPa) were omitted. The
CS1-concept predicts that this omlsslon wili have
no influence on the spectrum severity, and this
prediction appears to be fully conflrmed by the
tests.

In the “truncated* spectrum the highest peaks were
reduced to 195 45 MPa. The increase in severity by
a factor of 1.26 was rot fully predicted by the
CSl, (factor = 1.08) but it mavy be noted that in
any case the CSI predicted an increase {n severity
due to truncation, whereas all “classicai® non:
interactlon models would have predicted a decrease!

Figure 5 shows different spectra for one structural
locatlon, namely the wing root One spectrum is
indicated as "Design”, the other three are recorded
spectra pertaining to different usages. At first
glance, one would expect tne Design spectrum to be
much less damaging than the actual service usage.
but the tests show that the opposite is true the
Design spectrum is the most severe. 1t turns out
that actually the CS! predicted this effect
reasonablv well However. the CSl overestimated the
severity of usage !} compared to usage 1 by 20
percent.

Figure & shows spectra for three different
structural locations It mav be noted that the
Horizontal Tail Spectrum is very different from the
others as it is nearlv svmmetrical around zero
stress The horizontal tail spectrum was found in
test to be about 16 times less severe than the wing
B M spectrum This severity was predicted within 8
percent o the €Sl coucept Undoubtedlv, this
outcome is ‘emarkahlv good

Comparisons tor other load spectra, which «ili not
be presented here.revealed equaliv acceprable
results For a total numbec of 95 different stress
spectra that were studied. the average error in the
CSI. prediction was -6 3 percent and tlte average
absofute error was 1> 1 percent

Sumnarizing, we mav conclude that comparison ot 7SI
prediction and test results have shown that the
CST-concept mav provide a reasconablv accurate means
to quantifv the relative severity of manoeuvre
dominated fighter tvpe load spectra

]
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Fig 6 Fredicteit and observed sevenies of spectra for ditferent structurar locations

5. DISCUSSION

Interaction effects have a

major influence on
fatigue crack initiation and crack prowth under
spectrum loading. Verv often these effects,
specificallv the effect of high overloads are of a
crack growth retarding nature Hence,  “"non-
interaction"” prediction techniques tend to give
conservative results. This expected conservatism

combined with their inherent simplicity are cause
that "non-interaction” prediction methods are still

widely used throughout the aerospace industry
However, it must  be realized rhat this
"conservatism” in itself i{s of no use if one wants

to compare the severity of different spectra on a
relative basis A numerical example mav illustrate
this  Suppose that the crack growth life under
spectrum A is predicted to be 2000 fiiphrs while
rests vield a life of 5000 flights Thre predicted
life under a different spectrum B js 2,00 fiights
while the test life is 4000 flights.

Our prediction technique vielded a conservative
result in both cases. but the rctatize prediction
was totallv wiong. spectrum B was predicted to be
less severe than spectrum A, ~hile the opposite is
true!

The CSI turned ou: to reasonably  accurane
predictions of the rela of widelw
varving spectra. only because accomt af

0

Fuseiage genaing RN ¢
b

i 45

Hot Tail Bending| e
0055
0 92 04 6 08 10 12
@ tent resutt ' CSt prediction
Wing bending specimen s reference
load interaction effects!
The effect cof for example a high load semains
noticable duriug many successive flights t omay b

recalled that a valid C$! could onlv he caleulated
for a batch of a1 teast 30 tlights {n ofher words,
a CSI pertaining o one  fii var onlv he
calculated if assumptions are mede with regard to
the overall specrrum ot flights to whirh our
specific flight belongs  Thin may appear ws a
shortecoming of 1he 7SI-concept bar s artualic a
direct consequence ot the load tmeraction
phenomenon it mus: he realived chat the damaging
eftect of a thight is not solelv detined by the
spectrum content of that flight . hut depends nn the
load sequence that  preceded tlar  flighe Any
attempt to detine damape figures for one thight an
the basis of informa®ion abeur the loading history
of that flight alone mast fail 1o vase of wariahile
amplitude loadings and tractaral matertals like
the common aluriniom atlove used 1 wireratt which
are sensitive for lewd interactyia etfects

As wentioned alicady in the frerdoc jor e @SN
concept has  been and is o osnecentally aned el
standard tonl 1 the BNIAF B 16 B
Monttoring Propramee {wee Pef DTN e
present and assess the obuerved ditfercnces hitaoen
the usage of warious squadrons and o indicate

changes in tha' usage




Apart from such applicatlens, it was found that the
CSI-concept may also be successfuliy used in
studies how to influence the loading severity by
changes in aircraft operation. Application of the
CS1 concept for thls purpose will be illustrated in
Spiekhout's Paper (Ref. 5) during the present
Meeting.

6. CONCLUSIONS

1. A simple means to quantify the severity of a

measured load spectrum has been defined, which

accounts for load interactlon effects.

The CS1 appears to be a reasonably accurate

measure for the relative severity of nmanoeuvre

dominated fighter spectra.

3. The CSI is used as a standard tool in the RNLAF
F-16 Fatigue Load Monitoring Programme

4 The CSI-concept can also be successfully used
in studies how to influence the operational
fatigue life consumption

o

7.
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An Assessment of Fatigue Crack Growth Prediction Models for Acrospace Structures
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SUMMARY

The current state of crack growth prediction models for
acrospace applications 1s reviewed with special reference to
Iimitations and possible improvements. The present work aims
at examining the different crack growth prediction models with
reference to effective application for practical use (i e. with the
objective of identifying the expenmenta! data necossarny lo
apply the model) and at quantifying the reliatslity of the
different models. Both crack growth predicion models
currently used by aerospace industries and prediction methods
under development within the scientific commumty are
considered An experiniental program has been carried out to
help achicve the alorementioned ob; . “tives

LIST OF SYMBOLS

1.atin Symbols

a = crack length

CA = Constart Amplitude

f(x,) = disnlacement at point x, due to the nominal stress in the
strip yield model

g(x,,x,) = displacement at point x; duc 1o a unit stress applied
at point X, in the strip yicld model

K = Stress Intensity Factor

LLFM = Linear Elastic Fracture Mechanics

L; = length of the 1-th element in the strip yield model

OL = OverLoad

R = ratio of minimum to maxin:um stress in the load cyvcle

S = nomunal stress

UL = Underl.oad

VA = Variable Amphtude

V, = vertical displacement of the i-th element 1n the strip yield
model

Greek Symbols
AK = Stress Intensity Factor Range
o = local stress

suffixes

calc = calculated
eff = effective

exp = experimental
max = maximum
min = mimmum
op = opening

L. - INTRODUCTION

Atter the introduction of ‘'damage tolerance’ requirements,
at first issued for USAF mihtary acroplanes {1] and
subsequently also for commercial transport aircratt {2], the
developinent of relishle methods for crack growth analysis
under Vanable Amphitude (VA) fatigue loading has become a
crucial point for all acrospace industries The application of a
crack growth model 15 essential in the ditferent phases of
design, certification and operation of acronautical and
aerospace structures From the point of view of industnal
designers, the ideal method should obviously provide rehable
predictions, be very casy to handle, should not require too many
empirical constants (derived from speaitic tests) tor its use and,
lastly, should not require much computer time, becanse of ats
extensive use

A flood of literature has been published 1 the last twenty
years on this subject and has led to considerable understanding
of certain problems associated with {atigue crack propagation,
at least from a phenomenological point of view. Many methods
have been developed and are avallable to the industrial
designer, some of them are quite simple, but others are very
complex Anyhow, still insufficient help and information are
too often provided to the user who, besides the general lumts of
applicability oi the models, nceds suggestions as to how to
wdentify the most suitable model for tis specific problem
Among other things, a very nnportant picce of information for
an industrial designer 18 knowing liow far the results of his
calculations depend on the scatter of the input data, as well as
the sensitivity of the method to changes 1n the design variahles,
both 1n a qualitative as well as 1n a quantitative way In a
previous rescarch, carmied out at the beganming of the 80's {3], a
systematic evaluation of the existing models was made In the
tollowing sections, updated crack growth prediction methods
are reviewed and evaluated, following the same logic approach,
with the help of experimental results, some of which ohtained
from a specitic test program and others from the literature

2. - CRACK GROWTH PREDICTION METIIODS

A number of cxcellent review papers on fatigue crack
growth have been puhiished recertly’ among others, mechantsm
aspects are well discussed 1n |4], v.hule papers {3-8] are mostly
devoted to the description and analysis of models

Fatigue crack growth under CA loading 1s a well estab-
lished phenomenon, typically analyzed with the use of Lincar
Llastic Fracture Mechanics (1II'M) On the contrany, the
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prediction: of fatigue crack growth under VA spectra 1s a much
more complex matter The hasic assumption of the models
based on LEFM 18 to postulate the possibihity of correlating CA
propagation data to VA loading histories through the dentifi-
cation of a similanty parameter, generally related to the stress
intensity factor Unfortunately, there are so many interaction
ellfects between load cyveles of ditferent amphitudes that, even 1f
some of them are quite well understood (at least from a phe-
nomenological point of view), vamying out accurate quantita-
tive predictions 1s shll a formidahle task Among other things,
just to quote only the most relevant ones, an ideal prediction
model should simulate the following interaction eflects

- crack growth delay, following an overload,

- crack growth acceleration,

- delaved retardation,

- interaction between imcompatihle crack front onientations,

- development of shear lips,

- interaction with microstructural features (surface roughness)

It 15 quite clear that a singl> model should take all these
effects iy aceodit ad Uerefor: 1 19 cany 16 wirderstand Uial
toth sunple (but rough) and refined (but complex) mothods
have been praposed by many rescarchers

According to the modelling of the mechamsm that is
constdered to be responsible for the main interaction effects,
crack growth prediction methods can be broadly classitied in
the following groups

- Non-mteraction assumption
- Charactenstic K concepts

- Yield zone models

- Crack opening models

- Strip vicld models

The  simple  linear  calculation,  developed  first
chronologically speaking, provides usually conservative results,
often too conservative, since in a tyvpical wing stress hastory
retardation effects 1n general largely prevail over acceleration
effects Thevefore, most of the methods have been developed to
overenme  the hmited  rehabibty  of the nan-interaction
procedure The vanous crack propagation methods are based
npon the following two essential eleinents
{1) mteraction modelling, 1¢ how sequence effects are taken
mto account, including the selection of the kev parameter and
the defimition of memony eflects,

(n) how the effective current stress range and R ratio are
related to crack increment (crack growth law)

21 Non-interaction assumption

The non.unteraction  assumption 15 based on  the
hspothesis that a stress intensuy tactor range occurning m a VA
loadimg history produces the same crack incremeni as if it were
part of a CA loading history This assumption gencrally
provides conservative predictions, which, depending on the
load spectrum, may be often too much conservative Eismg the
nonanteraction assumption,  trend  eflects  related  to
moditications of design vanables are generalls not predictable
Non-mteraciton calculations mar be camed ont in accordance
with vanous ctach growth laws or uaing an nterpolation
procedure througn test data

22 Charscteristic K concept

1t 15 assumed that it s possible to correlate crack growth
na VA load hustory with i charactenistic stiess intensity tactor,
depending on the spectnin and its stress level This method s
not, strictly speahing, a prediction miethod, but rather a
smulitnde method usetul when expenmental data from sinilar
load ~pedtra are available  The results of the calenlation, which

are sufficiently accurate in some cascs }9-11), are i general
sensitive to spectrum vanations

This mcthod s tvpically applied for block spectra of
random gaussian spectra, 1n the case of thght-by-thight spectra
118 not widely used

2.3 Yield zone models

Yield zone models were developed i the 70's an the
United States and were the first attempt to take retardation
effects after the apphcation of an overload nto account They
are based on the assumption that retardation 1s related to the
dimension of the plastic zone created head of the crack tip by
the preceding Ols The amount of retardation, ie the
difference in crack growth produced by the current cvcie
compared with the growth pertinent to the same cvele if it were
part of a CA block, 1s related to the amount of propagation that
15 st necessany Tor the eraek to rewh e buudary of the
plastic zone 1n which 1t 1s embedded  The first and most famous
models developed according to these concepts were proposed
by Wheeler [12] and Willenborg [13] These models require as
niptit dasta oo vreld stress of the matenad aid CA crack growtl
data The Whezler model also nceds an empincal constant,
given by the operator as an input datum, which 1s in practice a
parameter regulating the average 1 ctardation of the spectrum, it
is usually obtained by fiting the model results to test data
previously ohtaned under similar conditions (1 ¢ matenal, load
spectrum, load seventy, etc )

These models, i practice, simulate only the retardation
after OL effect, generally, thev are considered as not being
accurate, because the nterachion modelling based onlv on
plastic zone size evolution 15 msufficient for such a complex
phenomenon Many modified versions have been proposed for
the Wheeler [14-16] as well as for the Willenborg [17-19)
models, 1n an attempt to chimmate the need for an unknown
fiting parameier (Wheeler model) and to take mto account
effects otherwase not predicted by such models, Tike multiple
Obs interaction and UL effect These updated versions are also
based on the same nodething of crack growth mechanics

Anvhow, thev are extensively used by the acrospace
industry, mainly due ta thar simphoity In particular, since the
designer miust provide some test data 1n support ol hus analvsis,
whatever the model used, the fituing parameter of the Wheeler
model, specitic tor the matenal, spectrum and crack nterval
examined. can be casily evaluated On the other hand, the
Generalized Willenborg model {17] 1s also quite simple to
handle and generally provides conservative predictions, all
these reasons justity 1ts wide ise n aerospace indnstries

24 Crackopening madels

Ihe crack opening models work on the assnmption, based
nn experimental evidence tirst provided hy Elber (2021, that
not atl the load excursion 15 active Tor propagation, hut only a
part of it In particular, 1t 18 assumed that propagation takes
place only when the crack as tully open, which oceurs for a
stress Jevel above the nunnmum stress of the evcle Such a
stress level 1s nanied opening stress, $ o and depends on the
previous joad history According 1o such an assumption, only a
part of the nommal stress intensiiv factor tange 15 actve for
crack propagation and that part 15 named effective stress
mtensity factor range \K o (\K g =K. - K“Pi The \K p18
considered  to be the sumlanty  parameter  that  allows
conelation between CA and VA loading a ovele of a VA
hastory produces the same growth as »+ ovede of a CA hastony
with the same AK y valoe

Ihe vanons crack openmg models avarlahle o the
hterature ditfer from each other m the mteraction assmuptions,
1¢ how the matenal remembers the past stress ustory, as well
as 1 the estimate of the parameters of the utilized cack growth
law  The simplest model 15 the one proposed hy Schipve (224,




who assumed that S_ remains constant during cach flight of a
flight-by-thight sequence Other models have been proposed in
recent years, the mast interesting being those of Ahags [23-25],
of Baudin 26, 27] and of 1>z Koning (28, 29]. Such models,
considered the most promising ones, receive further attention 1n
the present paper

2.5 Strip yicld models

Strip vield models are based on a discrete modelization of
the Dugdale-Barenblatt [30, 31] stnp vield model According to
the Dugdale assumptions, yielding is supposed to occur n a
narrow stnp ahead of the erack tip and on the erack flanks The
propagation of a crsck interacting with its plasic wake,
embedded in a far elastic ficld, 1s studied as a8 supenmposition
of two elastic problems (see (ig 1) This model has been
diseretized by many rescarchers |32-39) in order to study crack
propagation through a discrete description of the crack flanks
anu of the plastic zone Newman [36] discretized the matenal
surounding the crack with bars with elastic-perfect plastic
behaviour  The problem s governed by the compatibility
equations of the vertical displacements (Vl) and lengths () of
the 1-th bar elements, 1e V, = 1., 1. 15 equal to the residual
deformation of the 1-th bar clement [he displacements can be
determined from the supenimposition ol two elastic problems,
such as

v. =

i T Sef(xg)+

05 °gixjrxy)

1

I'rom the systen of compatibility equations, a hnecar
system tollows, which can be resolved step-byv-step, nsually
with the Gauss-Seidel method ‘The boundary conditions are
that the j-th bar in the plastic zone ahead of the crack tip vields
In tension at o, = ad while elements both on the crack flanks
und 1n the plastic zone vield m compression for @, = - g If for
the J-th element on the crack flanks ¢, 18 positive, then such an
clement 15 not an contact with s corresponding  opposite
clement and it 18 posed =0 Crack growth 1s modelled by
discomecting the bar elemnents ahead of the crack tip Crack
growth calculation 1s not carried out on a cvele-by<ycle basis,
that would be too expensive, but for a fixed crack mcrement or
nuinber of eveles It s assumed that the parameter o makes 1t
possible to take the effective three-dunensionahity of the stress
into account, 1¢ the transition from plane strain to plane stress
condiions  Calculations camed out by vanying the constraint
factor u are reported to sunulate the experinental plan strain-
plane stress trmsition very well {39] Due to the very long
calculation tune, this model 15 at present mamly utilized to
verify assuriptions used 1n simpler models, although interesting
results for theht-by-Thght hustones have been published

One ol the main features of the model 13 the identfication
of the functions g(x,x,) and fix), Newman reported such
functions for the centre crack tension specimen and for a crack
emanating from a hole, but displacement lunctions for other
geomnetries may be oblained from the open itciature or using
the weight function method [40] Interesting results have also
been obtained with such models in the analvsis of short crack
growth [40-42|

Stnp yield models are still beng developed in order to
acquire 4 better defimtion of the physical meaning and
evaluation ot the parameter a

nt1s

3.- DESCRIPTION OF THE MAIN CRACK OPENING
MODELS

In the present nvestigation particular attention was
devoted to the crack opening models, therefore m the following
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the PREFFAS, ONERA and CORPUS models are bnefly
descnibed.

3.1  The PREFFAS model

The PREFFAS model [23-25] was deviseC by Aliaga,
Davy and Schall of Acrospatiale in 1985, The model was
proposed for short load sequences, 1.e such that the crack
grows inside the plastic zone generated by the highest peak of
the block. The authors claimed accurate predictions for sumple
VA as well as for complex flight-by-ilight load histones Rain-
flow effects for the SM-SW sequence are also considered

3.1.1 Load interaction modelling

The effect of the previous load history 1s taken mto account,
considening that each previous peak produces an opeming level,
which can be estimated by relating it to the lowest trough
included between the peak cons:dered and the cwrent cycle
(see fig. 2) The opening stress of the cwent cycle 1s the
tughest opening stress calculated by considenng all the
previous peaks, utilizing the opening function described below
‘The model was onginally proposed for short specura and
aszumies that the plastic sone associated with the highest peak
in the spectrum 1s dominant, 1¢ the boundary of the plastic
sone associated with the cumment ¢ cle never exceeds the
maximum extension of the plastic sone The model evaluates
the interaction effects by taking only stress levels and cycle
sequence 1nto account Compressive stresses are set equal to
2e10

312 Opening function

The function that expresses the ratio of the effective stress
ntensaty factor range to the nouunal one is supposed to be
hinear m R, 1¢ UR)Y=A+ BR, the constants A and 13 must be
obtained expenmentally for each matenal and thickness The
authors also provide a recommended test procedue to obtain
such censtants, which cannot be denived through standard crack
opening measurements

313 Crack propagation law

The crack propagaticn law, proposed by the authors, 1s an Liber
tpe law m \K g, 1€ da/dN = C (AK gf™ Due to the short
length of the tvpical spectrum, the crack length can be
considered to be constant duning the apphication of one hlock
Because of this, the crack growth in a block can be expressed
by fla)eZ(AS o/, where the stress dependent term has the
same value for cach black, except the lirst one, where the
regime of opening stresses 1s not yvet stable Thercfore, it 18
much more convenient to evaluate crack growth on a block-by-
block basis, rather than on a cvcle-by<cycle basis

3114 Expenmental tests needed to apply the model

There are four matenai dependent parameters to be oblained
for applying the method A and B for the opening Tunction, C
and mn for the propagation law CA tests at dilferent R ratios as
well as a block test (1000 cycles with R=0 1 plus a cycle with
the same minumum stress level but maxanum stress level equal
to 1 7 imes the maximum stress level ol the CA block) must be
performed  The latier test 1s supposed to imtroduce some
correction for O mteraction effects |43) and 18 fundamental in
obtaining the constants A and 13, values for such constants are
given by the authors for 2024-13 and -1351 tlor different
thicknesses), 7075, 7010 and 7050 with 16 and -17 heat
treatment conditions

3.2 The ONERA madel

This model was ongmally devised by Baudin and Robert
of ONLRA n 1981 (26|, while some modifications were
presented in 1984 [27] The nodel was proposcd for fhight-by-
Mght load listories and mutially apphied to 202413
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321 Load interaction modelling

The effect of the previous load history 1s considered through the
definmition of an equivalent load cycle, based on an appropnate
algonthm, such cycle keeps memory of all the previous load
tustory Plane stram-plane stress transition is takeu into account
by nmicans of & relationship with the ratio of the Irwan plastic
zone size to the thickness of the material. A thickness effect 1s
also considered through a relaxation of the influence of K., on
the nteraction rule

322 Opening function

The opening stress is obtained as a weighted average of two
opening function values the first one 1s referred to CA load
histonies (considered to be a particular case of multiple OLs)
and the second one for single OL effect The weight parameter
was defined as a fitting parameter when the model was first
published [26] and later related to spectrum seventy, |27] The
authors obtained the opening functions for 2024-T3
expcnmentally, in plane stress conditions, [26]

323 Crack propagation law
‘The suggested crack propagation law 1s an Elber type one, 1€
da/dN = € (K g™

324  Lxpenmental tests needed to apply the model
To apply the model the opening functions for single OL and for
the CA case are needed, as well as the parameters C and m for
the crack propagation law For the evaluation of the C and m
constants, the authors use the results ot R=0 CA tests

33  The CORPUS model

The CORPUS model was proposed by De Koming of NLR
n 1981 28, 29] At present, the model 1s considered the most
soplisticated and accurate crack opening model 1t s based on
tractographic observations of crack growth surtaces, which
previde support for the hypothesis of a mechamism of plasticity
left in the wake of a growing crack The model s also
mplemented i the ESACRACK software for crack growth
predictions

331 Load interacion modelling

‘The interaction 1s based on the modelling of the behaviour of
the plastic cone wake of a crack Lach stress peak 1s assumed to
create a nidge on the crack tlanks The crack 15 considered to be
completely open when the last ndge loses contact  the
corresponding stress level 1s the opening stress for that crack
length  Phe minimum stress of cach cvele flattens the emsting
ndges. 1¢ reduces the opening stress level lLach ndge 1s
vonsidered to be active i the determunation of the dominating
Ui Sss as dong as B dak Gy oo aleddad w e
pla.ae zone of the peak that generated it Multiple Ol effects
are taken mnto account through an expenmental relationship
Plaree sbtmsrplane wress s sslior s covadered onli as far se
the dimensions of the plastic sone swe wre concerned  The
cttects on the opemnng level of secondan plastic sones, 1¢
plastic sones developing in already stretched matenial, are also
modelled

332 Opening function

‘The opening tunction 1s based on expenimental measurements
and dlso takes the cifect of manmum stress into account, the
importance of this was pomnted out hy Newman |36} with the
use of the stnp vield model and finite clement calculations the
same function, relevant to plane stress conditions, 1s assumed
to be applicable tor 2024-13 and 7075-16 alunmum allovs

333 Crack propagation law
The suggested crack propagation law 1s an lber-tvpe one. 1¢
d/dN = C LK ™

334 Expenmental tests needed to apply the model
Experimental tests with CA loading at ditferent R values are
necessary to obtain the crack propagation law parameters for
the matenal and the thickness under examination, as well as
the opening function.

4. - EXPERIMENTAL FROGRAM

An expenmental program was carried out to support the
analysis of the models The matenial used was Alclad 2024-T3,
2 54 mm thick, tested in the longitudinal (L.-T) onentation. CA
tests as well as VA ({light-by-{light spectrum and simple flight
simulation spectrum) tests were performed It was decided to
nvestigate the 'gust-dominated spectra, typical of transport
arrcraft, to begin with, but 1n the follow-on part of the research
other spectra will be used

In particular, simplified flight simulation spectra, similar
to those used by Schiyve and Misawa |44], were used, as well
as more reslistic load sequences, like MimTWIST 45] and the
flight-by-flight wing root design loading history of 8 medium-
range executive aircraft, [46]

4.1 Fatigue test apparatus

Two diflerent servohydraulic fatigue machines were used,
with capacitics of 50 KN and 200 KN, respectively  Lach test
was completely controlled by a PC, programmed to monitor the
load generation and to acquire the crack length measurements
at regular intervals, by means of the direct current potential
drop techmque The 200 KN machine was used for the
executive aircraft {light-by-thight load sequence and for some
CA tests All the other tests were performed on the 50 KN
machine

Centre crackea panel specimens were used, of different
wadth 1n the central section all the CA tests and the VA tests
under executive aircraft spectrum were camed out on
specimens 160 mm wide, while all the MunTWIST tests and
simple flight-simulation tests were camed out on 100 mm wide
specimens The length of the test section was at least equal to
twice the width The intial notch was introduced ov means of a
jeweller's saw and a natural fatiguc crack was nucleated, under
a proper CA load, up to 3 mm for nartow specnunens and 4 mm
for large specimens, then the tests started Antbuckhng guides
were used 1n all cases

A detailed descniption of the tests and of the results
obtained can be tound in |47]

42  CAtests

The CA tests were carmied ot at four ditlerent R ratio
values (R=4 3,01, 04 0651 For the analvws ot predictions
telovard 1 past domarated spectu, i wan cen sdaed of great
importance to oblain CA crach growth data also i the low
stress mtensity lactor region  Therefore, soime tests were
et oul Usicg the lomd-whodduig toctnsgie o W deotemsrig o

The results obtaned are teported i fig 3 transition
points 1n the da/dN vs K piot are clearly visible and all the
resnlts are consistent with sumilar results w the hterature. [4%)

43 Simple VA tests

Smiple VA tests were camied out with simple hlock
spectra, with the aim of obtaimng  expenmental data for
situations where only a specific interaction etfect was active, a
dehberately exaggerated situation More an particular, the
siiple VA spectia used ware
(@) the hlock spectrim required for obtaning the data for the
application of the PREFFAS model Two tests were camied out,
using differsnt maxnmum stresses of the CA ovdes 6 MPa
and Y0 MPa.




(b) a sequence of 200 cycles, starting wath a UL - OL (<35 MPa,
110 MPa), while the remaining cycles were a CA sequence (45
MPa, 85 MPa),
(c) a sequence of 200 cycles, identical to the previous onc
except that this time the second, the third and the fourth peaks
were also set equal to the overload (110 MPa)

The results oblained are reported in fig. 4 in terms of
crack length as a function of the number of blocks.
4.4 Flight-by-flight tests
Two tlight-by-flight load histories were used in the test
program: the MiniTWIST and an executive aurcrait spectrum.
Whule the first one 18 a well-known standard spectrum, some
comments are wosthwhile for the second spectrum, which 1s
charactenzed by relatively few interaction effects, a light
ground stress (about -0.3 times the mean flight stress) and short
flights (in average, about 11 cycles per flight. the total length
was about 32000 cycles for 3382 flights). Dufferent stress
levels, representative of actual operating situations, were used:
the MimTWIST tests were performed for 8, = 60, 65 and 70
MPa (3, 6 and 3 tests, respectively), and liuce stress levels
were also used for the executive aircraft spectrum |, S|, =160,
180 and 200 MPa (1, 4 and 1 tests, respectively) The tests
results are reported in figs 5 and 6

S. - ANALYSIS OF THE PREDICTIONS OF THE
CRACK OPENING MODELS

$.1  Main purpase and objectives of the analysis

In the past, interesting reviews of crack propagation
models have been published [5-8] The models have been
examuned 1n detail, as well as their ability to qualitatively and
quantitatively predict certain physical phenomena: single and
multiple OL., UL cifects, effect of high nominal stresses, plane
strain - planc stress transition, delayed retardation, etc. A
sunmary of these analyses, from [5), is to be found in tab. 1.

In the present investigation, particular attention is paid to
the evaluation of existing models, carried out through an
hoinogencous set of test data, obtained both under CA and VA
load spectra, and to the assessment of the reliability of the
models and thewr dependence on input data. Crack growth
predictions were carried out using input data from the literature
(an mteresting survey is to be found in [49]) and compared with
the results of the predictions carried out on the basis of the CA
data obtained in the present test program, this allows a better
assessment of the capabilities of the vanous models and the
evaluation of the scatter in the accuracy and reliability of the
predictions in the two cases

As far as the assessment of the reliabilaity of the models is
concemed, following the methodole gy already developed in |3,
the ratio N‘,CP/N“,c for a fixed crack growth interval has been
cvaluated and considered as a random vanable assumed to
have a log-normal distribution The median value and the
standard deviation of N, /N, may provide more uscful
information on the predictive ability of the model A model 1s
commouly classified as "acceptable” when the value of the ratio
NeypNoqyo falls within the 0.5 - 2 0 range, [8[. 1lowever, the
evaluation of a model on this basis only may Jead to errors 1f
there 1s the possibility of self compensating mistakes (e g
deceleration in the first part of the propagation and acceleration
in the final part). To overcome such a setback, the companson
of the expenmental to the predicted crack growth rate for the
two flight-by-flight load histories was also considered

The use of different spectra should increase confidence in
the evaluation; from this point of view, rescarch 1s still in
progress and will be extended to other load spectra, all
belonging to the same group of "transport awrcrafl™ spectra, with
similar interaction effects

[

52 Determination of cxperimental parameters for the
application of models

Computer programs were implemented, in accordance
with the original references, and checks were made against
resulis 1n the literature In the case of the CORPUS model, an
interpolation algonithm was also set up, as an alternative to the
use of an Elber-type law. The reason for this choice stems from
the observation that crack growth under a "gust domunated”
spectrum is the result of the application of many small load
cycles, which correspond to crack growth rates in the medium-
to-small range, below the ficld of validity of the lincar relation-
ship of the Elber law. Therefore, the use of an interpolation
procedure seems to be a better solution and is usually adopted
by many computer codes which are commercially available, its
extension to the other opening models is in progress

The parameters of the Elber-type equation are obtained
by fiting the opening functions used by the models to the
experimental data collected in the CA tests 1t was necessary to
sclect a given range of data, since the lincar behaviour in a log-
log plot 1s relevant only to the Pans region Sensitivity tests
were camied out, by varying the range of crack growth rates
considered for the evaluation of the parameters C and m. It 1s
worthwhile pointing out that the related vaniations of C and m
may be such to influence considerably the niodels predictions
This fact highlights the need for a clear and well-defined
procedure to obtain the values of the constants of the crack
propagation law from test data for a correct prediction (in the
sense of consistency with the model logic structure). Therefore,
the data relevant to crack growth rates included hetween 104
and 103 mm/cvcle were selected The following constants were
obtained (units' MPavm, mm/cvcle)

ONERA model m=2 857, C=9.415x 1077,
PREFFAS model. m=2 780, C=6 327 x 107,

while from data in the hiterature, 1t was assumed

CORPUS model (|31,51]) m=3.7,C=126 x 10°7,

ONERA model (J29]) m=30, C=8 92 x 107,

PREFFAS model m=37, C,=1 5364 x 108 for R=0 1 (|49]),
opening function constants. A=0 56 and B=0 44 (|25]), hence
m=37,C=9.92x 10°%.

As far as the PREFFAS model 1s concermed, this method
would prove not to be strictly applicable for the matenal and
the thickness under examination according to [23-25], one
should find that the experimental data from R=0 1 and R=0.1
plus OL tests provide two parallel data fit lines on a da/dN -
AK log-log graph, but that was not obtained 1n the present case,
as may be observed trom fig 7 Therefore, following the logic
approach of the model, the values suggested by the inodel's
authors were used for the constants A and 13, while the slope m
was given the value pertinent to CA tests with R=0.1, C s
denved from the A, 13 and m values

83  Comparison of the ciperimental and analytical
crack growth predictions

The first point taken into consideration 1s the influence of
input data on predichions. Figs 8 show some of the results for
flight-by-flight spectra, only one stress level, 1.¢ the one with
the greater number of test curves, was sclested. As can be seen,
the effect of the input parameters for the descnption of the
crack growth law 1s different, according to the model taken into
consideration As far as the CORPUS model 15 concemed, the
cffect 1s negligible, notwithstanding the fact that, as far as the
input of data from the literature (LD i the figs ) 1s concerned,
an Elber law was used, while an interpolation procedure was
used for the present test data (TD) input. On the contrarv, for
the PREFFAS model considerable impiovements in the
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accuracy of the predictions can be observed Tor all the spectra
considered, using the matenal constants obtained according to
the above mentioned procedure Instead, the predictions
obtained by means of the ONERA model, in the case of simple
VA loading, show a noteworthy decrease in accuracy, even
though for these spectra they were already poor Calculations,
carried out in the course of the mvestigation but not reported 1n
this paper, showed this method is particularly sensitive to the
crack growth law: the use of a best-fit Elber law obtained on
data relevant to crack growth rates up to 107 mmvcycle
resulted in considerable prediction differences. This was
attrihuted to the change in the slope of the best-fit line that
produces differences in the evaluation of the crack growth for
small AK ¢, which very often occur in a "gust domnated”
spectrum Besides, differences 1n crack increments are also
related to differences in the memory effects

For a deeper understanding of the relevant menits of the
three opening models, a comparison was made between
predictions and test results as far as the average crack growth
rate 1n a block, as a function of crack length, 1s concerned. Figs.
9 show some of the results' 1t 1s clearly evident that predictions
based on present test data (TD) are slightly closer to the
experimental data than those oblained using data from the
hterature data (I.D) Fig 9a, relevant tc the MiniTWIST
spectrum with 8, = 65 MPa, 15 particularly interesting
CORPUS predictions are the only ones capahle of following the
trend of the experimental results, while all the other methods
predict an average crack growth rate which increases linearly in
a log plot Therefore, for small crack lengths such methods
under-estimate the growth rate, while for large crack lengths
the opposite cccurs 1 other words, compensating mistakes
may oceur 1n the evaluation of the number of 1hights required
for a given crack growth interval

As lar as the exccutive aircrafl spectrum 1s concerned, as
already specified, 1t has certain charactenstics that make 1t
different from the others relatively few interaction effects, a
light ground stress and short flights As a consequence, the
maxnnum peak in the spectrum completely  controls  the
opening stress evolution The logic of most models recognizes
the features of such a spectrum as being similar to those of a
block spectrum, this 18 mainly the reason why the CORPUS
predictions are Jess similar to test data than in the case of the
M TWIST spectrum, fig 9¢

The simplified VA spectra had * sen chosen in a manner
that proved to be too ‘mild’ the delay effect was too small and
the tests were almost completely CA tests 1t 1s interesting to
note that also in this case CORPUS predictions are not very
accurate, g 9d, in these tests the crack grows for a long peniod
in plane strain conditions.

The acronautical industry mainly requires crack growth
models for the assessment of inspection intervals 1t 15 quite
important for a model to provide estimates that ate independent
ot spectnin and crack mterval Theretore, the use of log-normal
plots ot the randon variable N‘.\p/Ndk for a selected interval
was considered to be useful for a practical evaluation of the
rehiablity of crack growth models 1 wo intervals were selected
fa) from the mtial crack length to 12 mm and (b) from the
mitial crack length to 25 mm- A number of results are shown in
figs 10 1t is important ' pont omt that PREFFAS model
1esilts show the lowest scatter and a reasonably log-norrnal
distnibution, while the results of CORPUS do not seem to
belong to a wuque distnbution For companson, data Irom (49!
are also shown, sucn results are trom vanous spectra (included
Mun TWIST, 127, FALSTAI'Y, and their vanations, all of them
tor ditlerent stress levels) and refer to crack growth ntervals
dutferent Troin those considered in this paper  Fhese results are
niich better than the present ones, both Tron the point of view
ot the nican value and the scatter Anvhow, the present results
relevant to the Mun WIS spectrum are quite consistent with

hiterature data, while the results from the other spectra seem to
belong to a ditferent distnbution A possible reason for this
behaviour 1s assumed to be that such results refer to tests where
the crack propagated for a long period in plane stress
conditicns, which i1s a situation where the CORPUS model
works very well.

The results relevant to the Generalized Willenborg model
are shown m fig 10d, in general, the predictions are
conservative and the scatter of the results of this rather simple
model is not hagher than the one of other models

$.4  Some simple medifications to the models

Some modifications were made to the models to assess
the possibility of extending their capabilities or 1n an attempt Lo
improve their accuracy.

In particular, the PREFFAS program was modified, as
alrcady done in {49], in order to take each of the following
aspects into account separately’

(a) disregarding the effects of rain-flow on the S ¢ history.

(b) extreme simplification of the memory effect hy keeping the
opening stress constant in the whole spectrum, relating the max
peak to the mimimum stress, which 1s posed by the modef 2qual
to zero

The modifications introduced did not produce significant
changes in the recults, as shown in fig 11, relevant to the
M TWIST spectrum, S, T 65 MPa, where the predictions
relevant to the modifications are scarcely distinguishable The
conclusion 15 that such modifications are ve ¢ lhittie help,
because the model contains certan semu-cmpirical -onstants
that allow a balancing of over- and under-cstimates in various
parts of the spectrum

The CORPUS model 1s the one that receives most credit
since 1t 18 able to simulate most of the interaction effects The
results of the present investigation revealed a certain lack of
accuracy in those cascs where a large part of the c.ack growth
occurs 1n plane stramn conditions The spectra used in the test
program are quite ‘mild’, which has delaved the transition to
plane stress conditions The onginal CORPUS mcdel takes the
transition 'nto account only by vaning the size ol the plastic
zone, in this way, the initial part ol the crack growth curve
undergoes a small adjustment but does not follow too faithfully
the test curve In the attempt to obtain a better pradiction in this
arca, and following indications of recent papers by Newman
[36] and Wang [50], a modification was nfroduced 1n the
computer programn by changing the condition relevant to the
beginning and completion of the transition, which 1s expressed
by two values of AK ;rand by using a specific opening function
for plane strain conditions, namely the one proposed 1n [S1] A
number ol results are shown in fig 12 an appreciable mfluence
can be observed, which indicates that this 1 an unportant point

6. - SUMMARY AND CONCLUSIONS

A rescarch progiam s i progress at the Department ol
Acrospace Ingmeering of the Umversity ol Pisa concernung the
assessment of currently available aack growth prediction
mcthods The expernimental part of the research 1s carmed out
on 2024-F3 Alclad allov, test results uncer CA and VA loading
have been obtained, to be nsed as a test case for the models
Particular attention has been devoted 1o the models based on
the crack opeming phenomenon and in some cases attenpts
have been made to modify those aspects, which are supposed
not to be covered adequately y the niodels

In particular, the following 18 a summany of owr
conclusions
(a) CA test results obtained in the present imvestigation are
fairly consistent with similar resnlts available i the hterature,




(b) the influence of the use of present test data instead of data
in the literature is relatively small in the case of CORPUS,
while the changes in the predictions obtained with PREFFAS
have shown the importance of the range of data selected for
obtaining the constants C and m,

(c) the CORPUS model, mainly for the MiniTWIST spectrum
but to 8 minor extent for other spectra, too, is capable of
providing the same trend of crack growth rates in relation to
crack length as the test data, this is attributed to the more
complex logic of CORPUS and is better simulated in the case
of spectra with a short period of plane strain corditions;

(d) a relatively simple method, like PREFFAS, is able to
provide the industrial designer with virtually good estimates of
crack growth interval ratios, in a significant range o{ spectrum
and stress level,

(e) the Generalized Witlenborg model, still widely used, even
though based on a rough modelling of the crack growth
phenomenon, provides in general conservative results, with a
scatter not larger than the one of the other methods. Similar
conclusions can be drawn for the Wheeler model, which 1s not,
stnctly speaking, a ‘prediction’ method, since it nceds to be
tuncd on the basts of the results of some tests, which anyhow
n.ust always be carried out to validate the analysis:

(f) some simple modifications nave been made to PREFFAS,
with negligible effects on the predictions;

(g) the transition from plane strain to plane stress conditions
scems to play an important role, a better description should be
introduced in the models, since its effect is important,
particularly for ‘mild' spectra.
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A COMBINED APPROACH TO BUFFET RESPONSE ANALYSES AND FATIGUE LIFE PREDICTION

J. H. Jacobs
R. Perez
McDonnell Douglas Acrospace - East
McDonncell Douglas Corporation
P.0. Box 516, St. Louis, Missouri 63166-0516
United States

SUMMARY

Experimental measurement and neural network based
prediction of wind nnel model empennage random
pressurcs are discussed. Artificially gencrated neural
network power spectral densitics of surface pressures are
used to augment existing data and then load an elastic finite
clement model to obtain response spectrums. Details on the
usc of actual response spectrums from flight test data are
also discussed. A random specira fatigue method is
described which effectively combines buffet and mancuver
loads into a time scries based on aircraft usage data. A
peak-valley damage analysis procedure is cmployed to
computc the aggregate fatigue life of the structure based on
the combined load time scries information. Applications of
the method as a continual leamning tool fer buffet response
spectra is claborated.

LIST OF SYMBOLS

AOA Angle of Attack (degrees)

F Frequency (Hz)

F{n) Contribution to power spectrum of p2/q2
in frequency band n

HCNN Hybrid Cascading Neural Network

L Characteristic Length Scale

MgrB Root Bending Moment (in-#)

MRrB Nondi ional Root Bending Moment

MDA McDonncll Douglas Acrospace

MLP Multi-Layer Perceptron

n Nondimensional Frequency Parameter
f* LU

NASA National Acronautics and Space
Administration

p }ressure {PS1)

PSD Power Spectral Density

q.Q Dynamic pressure (PSF)

RBF Radial Basis Function

RMS Root Mean Square

U Free Stream Velocity (in/sec)

NOTE:  Bar over symbol means RMS value.
LINTRODUCTION

Acrodynamic vortices develop from the leading edge's of
fighter aircraft during high angle-of- attack mancuvers.
These vortices impinge upon portions of the aircraft
structure causing high frequency vibrations. The high
frequency vibrations, known as buffet, induce dynamic
stresses into the structure, which in tum, cause rapid
accumulation of fatiguc damage. Figure 1 shows
acrodynamic vortices onginating from a forward position on
the aircraft crating buffet loading on the aft portion.

Because future aircraft will be more mancuverable, they
may be subjected to even more scvere buffet environments.
Buffet loads, therefure, should be included with mancuver
loads in preliminary aircraft design to prevent carlv fatigue
damage and reduce maintenance costs. The ability to
accurately predict random pressure environments on the
empennage of a fighter aircraft in the advanced design stage
has been quite difficult duc to the complexity of the
interaction between the aircraft geometry, flow field, vortex
path, and empennage structure. While existing aircraft test
data can provide an cstimate of these dynamic and static
load environments, morc accurate and robust prediction
methads must be addressed to avoid costly post-production
repairs.

To be able to accurately predict the fatigue life of aircraft
structures cxposed 10 buffeting environments, detailed flight
test or wind tunnel response data must be obtained. Project
limitations and time constraints do not always allow for the
gathering of this detailed information at all possible Q and
AOA conditions. To alleviate this problem a neural
network based learning algorithm has been investigated for
possible use in augmenting this information which is
required for fatigue life calculations.

Since empennage environments on fighter aircraft are a
complex combination of dynamic loads and static mancuver
loads, the neural network generated PSD's are cornbined
with mancuver load spectrums to form a total fatigue
spectrum.  The load history is then used for a peak-valley
analysis to compute crack initiation and crack growth
fatigue lives.

In 1987 a covperative rescarch cffort between NASA LaRC
and MDA was initiated 1o study the effects of vortex-tail
interaction process for a 76 degree delta wing with twin
vertical tails placed aft of the wing (Ref. 1). The twin tails
are illustrated in Figure 2. This geometrically simple
configuration was chosen for this initial investigation into
buffet environment modeling because it contained the
pertinent physics involved in the vortex-tail interaction
process and reduced undesired aircraft geometric influences.
The experimental investigation measured both the RMS
magnitude and frequency of the rigid tail pressures as well
as the bending and torsion moments of the flexable tail for
various Q, AOA and tail positions.

This sct of test data was chosen as the first test bed for
using a buffet environment neural network mlel before
implementation on actual aircraft flight testdata. The
approach was 1o create a neursl network nuxde} of the rigid
presstre loads on the empennage structure and then use
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these loads for finite clement analysis of flexible tail
response. In this manner, the ncural network system
verifics the pressure field model and its ability to predict
and correlate flexible response with wind tunnel data.
Eventually, the method will be used 1o model actual fuli
scale flight test empennage response data.

Figure 3 represents the RMS buffet pressures near the tip of
the rigid tail aad the RMS bending moments of the flexible
tail for inboard and outboard tail locations as chserved
during the NASA/MDA test program. The RMS buffet
pressure and the RMS bending moment exhibited similar
trends as the angle of attack was increased. Near 30° angle
of attack there was significant increase in the buffeting
levels for both tail positions. These highly nonlinear
changes in the RMS pressures and bending moment
responses are typical of empennage structures exposed to
buffet environments. A distinet change in frequency content
of the pressures was also ohserved as the angle of attack
was changed (Figure 4). The peaks represent coherent
fluctuations in the flow and are extremely difficult 1o
predict even with wiay's modern CFD methoxds but are
important for accurate fatigue life predictions.

The data gathered durning this joint NASA/MDA program is
hnilar W that of previous model and full scale tests,
Several investigators have developed techmigues to
nondimensionalize both rigid and flexible response
information into usahle quantities. However, those
techniques lack the ability o effectively extrapolate to other
test conditions or configurations not investigated (Ret. 2,3).
Aticmpting to use traditional regression technigues to nidel
this tvpe of huffet data is extremely difficult duc to the
mu’ple number of noisy paramcters that interact in a non-
linear nanner (Ref ). However, neural networks are
especiaily adept at modeling this kind of data because their
inter-connected algonthms can accommodate these
nonlinearities. They can generally be defined as massively
connected, massively parallel networks with the ahihty to
learn. One of their most important characteristics is the
ahility to generalize from the data they have already seen,
which makes them a good candidate for modeling the sparse
hutfet data (Ref. §).

The details on the vvaluation of specific neural network
architecure’s to nuxdel the hulfet duta can be found in
Reference 6. This paper will only show the applicabilisy of
the method for generation of PSD spectrums which can be
used for a corubined loads fatiguc analyses.

118 desired 1o predict the PSD pressure of the aircraft
enipennage, caused by upstream vortex impingement, as a
function of free stream dynamic pressure, angle of attack,
tail chord and span location of the pressure sensors, and
positions of the rigid tail relative to the delta wing. In total,
three dyrnamic pressures rangine from 3.3 w0 7.7 PSF, fifteen
anles of attack ranging from O 0 30 deyrees five sepunt
pasittons, * wo Lail positions, and 49 frequency bands were
combined w form 7350 inputoutput pairs. The neural
network architecture developed w mexdel this data is shown
n Figure S. A combination of two types of networks were
aned vl oo srsved of 8 Mulih L sger Poroejsron (8LPy
(Ref. 7) and a Radial Basis Function (RBF) (Ref. 8). The
overgll network is called a Hybrid cascading Newal

Network (HCNN). The HCNN accounts for the wide
variation of PSD magnitudes between low and high angles
of attack by employing a scaling method which allows for
cqual emphasis of all training data.

Predictions of this network as compared to the actual test
data is shown in Figure 6 for 2 few representative angles of
atack. lts ability to maintain the comect shape and identify
modes in the PSD make its increased complexity
worthwhile. Individual frequency PSD values varied by
approximately 10% for the trained data. However, the
integrated overall RMS values were within % of the test
results.

In general, bending moment response of an empennage
structure is direcdy obtained from full scale flight test data
and used for subsequent fatigue calculations. Since the
ncural nctwork was trained with rigid pressure wind tunnel
data, flexihle response information was still requned for use
in fatigue calculatons. To demonstrate this, and to
correlate with the response of the flexible tal in the wind
tunnel, a finite element model was constructed of the
flexihle tail. The details of the model are discussed in
Reference 6. The neural network mode] of the pressure
environment was used (0 generate pressures over the entire
surface of the tail to supply refined pressure distributions o
the finite element model. The neural network provides an
unhiased method of distributing pressures mcasured at only
five points on the tail over the entire surface of the tml The
level of resolution which is obtainuble for the pressure field
is Mustrated in Figure 7. Two sets of randon forced
response solutions were run on the NASTRAN finite
element model. The first set consisted of a segmented grid
of pressures which were simply a PSD value from one of the
five sensors based on the best guess distnbution of the
model test data. The second set used unigue PSD
information for cach grid based on the neural network
prediction. Solutions were run for AOA from 20° 1o $°
and the results are shown for both tail positons (Fig. 8).

The neural network has comparable results as that of the
use of the test data directly. Animportant benefit of the
neural network approach is its ability to continue leaming
with imore informaton without re-training the whole system
1iis van be very advantageous for incorporating enltiple
flight rest data over the lifetime of an aircraft

The method desenbed in the preceding paragraphs s a
general approach to modehing sparse buffet type data. This
method can be employed in a similar manner on actual
flight test response data as s llustrated in Figure 9. In the
future, automated procedures will downioad flight test
response data directly into a learning algonithm, such as
desenibed wathin, w fill in missing PS1 informnation for
oty (3 ar § AL A veelitums s well as peovidig fukieee
aircraft designers with a valuable wol

t COMPLETE SPECTRA ASSEMBLY

boundor v grredicn the fatupwe Irle o F v cgu tipe i bulte
response niust be characterized v wrins of a stress history.
The firit step is to generate a PSD carve at cachi AOA Q




condition using the neural network method. A random
buffet load history is then generated for cach PSD. The
load history is obtained by using a randon: number
generator to select points on the PSD curve. These points
defined a random sequence of load levels. Fatigue analysis
requires only the peaks and valleys of each Joad cycle.
‘Therefore, the peak and valley history are extracted from
the random sequence of load levels.

Next, the steady state load experienced by the structure at
cach AOA-Q condition needs to be superimposed with the
buffet loads.

The buffet information must be organized into a series of
high angle-of-attack maneuvers which represent the way
aircraft fly. Flight test data indicate that as an aircraft
increascs its angle of attack, the Mach number and
corresponding dynamic pressure drop. The angle of attack
decreascs as the maneuver ends, and in general, the Mach
number and dynamic pressurc remain at or near the lowest
level experienced (Ref. 9).

In a possible model of high anglc-of -attack maneuvers, the
angle-of-attack during cach mancuver is ordered in a low-
high-low sequence. The corresponding buffet and steady
statc loads occurring at cach AOA-Q condition are then
ordered as illustrated in Figure 10. The duration at cach
AOA-Q condition is determined from fleet usage data which
describes the amount of time aircraft spend at various
angles-of-attack and dynamic pressure levels.

If low angle-of-attack mancuvers occur, they may induce
stcady state loads without buffet. These loads can be
included as a separate block of cycles or they can be
included at the beginning and at the end of cach flight.
These two options are illustrated in Figure 11.

The final stcp is to convert the load history to a stress
history using standard stress analysis procedurcs. They can
make usc of strength of material equations or finite clement
methods.

Buffet cycles occur in large number hecause of their high
frequency relative 10 stcady state loads. In the analysis and
verification of fatiguc life, these large numbers can
contribute to long test imes. Two methods exist for
decreasing the number of cycles in the buffet stress historics
described in the various section (Ref. 9). Onc technique is
to simply climinate small cycles that do not cause much
damage compared to the rest of the stress cycles, is typically
called truncation and is illustrated in Figure 12.

In the second procedure for reducing the spectrum, siress
cycles with similar amplitudes and peak stress level are
grouped into "blocks”. A reduction in spectrum size can be
obtained by replacing blocks of constant amplitude cyeles
with larger aniplitude hlocks containing fewer cycles. The
valuc of cach peak stress is held constant, hut the amplitude
is increased so that the new spectrum is predicted to do the
same fatigue damage as the original spectrum. Figure 13
illustrates an example of this method. In the figure, 110
cycles have been replaced with 55 cycles which causc the
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same damage. This procedure is effective, but needs to be
verificd for the particular application, because excessive
reductions in the number of cycles can lead to inaccurate
results.

Once the stress history has been determined and the number
of cycles reduced with the above procedures, the fatigue life
can be predicted. The total fatigue life is composed of a
period needed to initiate the fatigue cracks and the
remaining life needed to propagate these cracks until failure
of the structure occurs.

Crack initiation predictions use stress versus life (S-N)
curves for the materials. The stress for each load cycle
causes fatigue damage which can be computed with the

S-N curve. The damage is added using cumulative damage
procedures such as Miner's Rule. Crack growth is predicted
using crack growth rate versus stress intensity factor (da/dN
vs. AK curves for the matcrial). The stress intensity factor
for each load cycle is used to predict the crack growthrate.
Crack growth is predicted by adding the growth predicted
during cach cycle. In both segments of the life, the presence
of buffet stresses cause a major impact on the total life.

One area of particular concern is the superposition of buffet
and steady state loads. The fatigue damage caused when
buffet and steady state loads occur simultancously is much
greater than when buffet occurs by itself (Fig. 14).
Analytical models need o correctly combine dynamic and
static Joads n order to predict accurate fatigue lifc.

The results of including thesc combined ioads into the
calculation of fatigue lifc is illustrated in Figure 15. In this
figure, a scries of aluminum test specimens werc tested with
various combinations of load spectra. As can be scen in the
results for crack initiation and crack growth life, the
structural life is significantly reduced when the mancuver
load cycles are combined with the random buffet load
cycles.

A mcthod has been esiablished which uulizes buffet
response PSD curves to combine with static loads for a
combined spectrum life analysis. Ncural network leaming
algorithms have shown the ability to learn and then augment
sparse huffct data for needed Q- ADA conditions. Combining
this information with maneuver load time histories provides
the necessary information to perform crack initiation and
crack growth analysis in order to arrive at more accuratc
fatigue lifc predictions. Results from coupon testing shows
that structural fatigue life is greatly reduced when buffet
loads are included with mancuver load cycles in the
excitation spectra. The random PSD method for fatigue life
prediction is conservative when compared to actual flight
test data but is a simplified way of generating flight-by-
flight spectra for test, analysis, and design (Ref. 9). Future
work in neural network modeling and fatigue cansed by
buffet environments will include the effects of upstream
geometry, vortex characteristics, and transient mancuvers.
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Figure1. Aerodynamic Vortices Acting on an Aircraft
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Figure2. Schematic of NASA/MDA Buffet Research Model
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Figure 7. - Surface Contours of RMS Pressure Using Neural Network
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Figure 8. - Comparison of Analytical and Experimental Flexible Response
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Figure 9. - Combined Buffet Analysis and Fatigue Life Prediction Procedure
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NOTCH FATIGUE ASSESSMENT OF AIRCRAFT COMPONENTS
USING A FRACTURE MECHANICS BASED PARAMETER

Chr. Bollor and M. Buderath
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PO Box 80 11 60, D-81663 Munich
Germany

SUMMARY

Fatigue life evaluation has been performed for
flight-by-flight loaded coupons and real aircraft
structural components made of 7075-T7351 using
the local strain approach and a fracture mechanics
based parameter. Results show that this approach
can well compete with the traditionally used nomi-
nal stress approach. The advantages are a beter
understanding of material's fatigue behaviour and a
less experimental effont required for the determina-
tion of baseline data making the local strain appro-
ach interesting also for redesign within aircraft
mid-life improvement updates.

LIST OF ABBREVIATIONS

crack length
constraint factor
constant in crack growth law
damage sum
Young's modulus
stran
size factor
stress integral
J-integral
fatigue notch factor
stress concentration factor
cyclic hardeming coefficient
exponent in crack growth law and
damage parameter life curve
MAFT major aircraft fatigue test
N number of cycles to imtiation of
cracks of technical size
n cyclic hardening exponent
P, J based damage parameter
Powr Smith, Watson, Topper damage
parameter
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1 INTRODUCTION

In Europe fatgue assessment of components of
military aircraft 1s conventionally perfonned on the
basis of prehmiuary parametric fatigue analyses
followed by a full-scule fatigue test. Key elements
of the fatiguz analysis are a stress concentration
factor, stress vs. fatigue life (S-N) curves for joints
and coupons, baseline arcraft fatigue lcads spectra,
load cycle counting algonthms and the Palmgren-
Miner damage accumulaticn rule. Based on these
clements components are designed where assump-
tions have to be made when understanding of real
macerial fangue behaviour 1s still not fully accom-
plished. These assumptions therefore mainly require
validation in a full-scale fatigue 1es1

A methodology aming at better understanding of
the fabgue behaviour of components whsch inevita-
bly contain notches has been given with the local
strain approach According to that approach notch
root stress-strain ranges are calculated and used for
cumulatve damage assessment based on matenal
fabgue data. Thus the falure cntenion 1s equivalent
10 a gven ‘techmcal’ crack size In pnnciple fan-
gue-relevant effects resuling from mean and res:-
dual stresses, different specimen sizes and surface
conditions can be accounted for Vanous vermons
of thrs local stran approach pnncipie have been
proposed so far, yet it has 10 be acknowledged that
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the equivalence principle between the notch root
and unnotched specimen as well as the linear accu-
mulation of fatigue damage are aspects where un-
provements are sull required.

Applicatson of the local stran approach to asrcraft
structures has been hmsed durng the past (1.2}
Reasons nchude the geometnc complexsty of aar-
crafl structwees {¢.g. Nveted yonts; and the wfleen-
ce of vanous manufactunng (c.g. swrface treammerns )
and envirormemal (¢ g comrosion) effects It «
ueresting 10 note. however. that the US Navy
apphes that approach for usage monsionng i com-
binatson with fell scale sest results (1) On a rese-
arch level. other examples include studes on hife
predicion for notched 2024 and 70{0 speamens
(ONERA,). fatigue life evaluation of modified ar-
craft structures and low cycle fatigue evaluation of
arcraft engwne pans [4-6)

The wradsbonal nomnal stress approach accounts
for fatigue-relevant effects globally by tesang com-
penents for detennanaton of baschne S-N curves
Ttus requires a large amount of component tesng
and gives no direct access to the prevashing fatigue
mechamsms. though it has (0 be acknowledged that
often a detaled madelling of complex structures for
faugue analyses 1s beyond the scope of practical
application.

1t 1s widely accepted thai 2 major pan of the fan-
gue life of components and structures consists of
growth of shon cracks whwch may mucleate a1 2
very early stage wn life followed by a long crack
stage Thes has recently led 1o the development of
3 fracture mechanks based damage parameter (7}
applicable within the framework of local strain
approach concepts consadenng load sequence -dnven
opemng and closure of shont cracks and a transient
faugue limut Thus the damage parameter follows
an effective loadang parameter concept iequivalent
o an cffectine dack dmvag paraneicr used in
crack pmopaganon models) and 3 more realisti
maodelling 1s achsered

In order to assess and vahdate the progress achie-
ved. predictions for a vanety of notched 707S.
T7351 alumisum coupons unde1 constant amphiu-
de and fighter awrcraft spectrum loading are presen-
ted and discussed Moreover. examples of real
arcraft components selected from the major aucraft
fatgue test (MAFT) of Panavia’'s Tomado figheer
arrcrafi are included in order to demonstrate pract-

cal applicability

2 THE AIRCRAFT FATIGUF OES'GN
PROCESS

Faugue design of an arcraft structure can be «onsi-
dered as an merabon process between numencal
and expenmental fatigue bfe evaluation

The wutal step 1s 0 determme fatagwe allow abies
usually i terms of the funcoon of allowable stress
tusually maximam stress) versus K for 2 defined
desagn Iufe under 2 prven ioad cpectrem Thes fum. -
bon 15 used by deugnens & 2 guadehae 10 account
for the wnflueexe of fabgue i 2 first approach K-
values for the notches witdun the mrcraft compo-
nent coassdered are estimaled

A detabed analvses 1s then performes on a numen
a cans e g b fuwie ciement analvsis) for the
cmtcal arexs of the mrcraft component (onsadered
where K.-values can mow he determmned more pre.
cosely Thes can lead 1o K-+ alues hagher than those
determuned wutallhy  Furthermore addiacaal ndor.
mabon avaulable 1n the meantume on the load die
Inbuton leads (o changes widun the load spevtrs
whach finalhy mas regquire 2 rees aluation snd peass-
bly madification of fatigue cntical pants beng the
second siep of the tangue design process

Withen the nest sep the numencalfy optim,red
arcraft structure s vafrdaed expenmentally esther
by testing specific components of 1 2 full wale
fahgue test Arcas within the anzaft structure
where cracks adreads avcur Junng the ecarfy stage
of fague tesung are reanals red with respect to the
srans owcunng 1n the respective area | oad levels
and distnbutions are measured i onder te obtamn
more reahistic stresssiram sequeme The new vress
sequence 1s now used for 2 numern al rees atuation
of fabgue hite which may ent up in 2 menhification
of the ancnft component Fatigue tracture iwcunng
n the later stage of i design hite mav reguire
muohification of the sroratt component as well

A more detailed desenption of extsSnhed tatigue
assessment proceduses tor mahitan aroraft i ghven
e [R|

3 RELFVANCE OF IMPROMED NOTUH
FATIGUE  ASSESSMENT FOR AIR.
CRAFT COMPONENTS

Fatigue 1s 2 majn reason for fafure in components
ol arcraft structures Foliowing a study performed
by IABG/DASA around 70% of falures obswened
on Tomado-MAFT were related 10 fatigue An




analysss of the fatigue faillures 1dentifies two major
groups each compnsing about half of the faures

About one half 15 related to fangue falures resul-
tng from fasteners such as nvets or bokts For such
2 type of falures the local stran approach appeans
not 10 be amtable for a stnngent assessment

The remawnng approumate half of the fauigee
fasluses however are not related 10 fasteners and are
poenbal weam for apphcaton of a local stran

based evaluation In retrospect appronsmasch one
therd of these faslures coukd be related 0 non stan-

dasd serface combtoms. antch sre effects and
damage accumsiatson peoblesms  Ancther dunt
dut 10 enmeificrent knos ledge of koad dastnbetion
The remacang turd sesaitend froms vanes effects
axh » comphiated nrkh gecEnetnrs L orTonon
aru) v anows cthers

The sbove malvis demoontrates that aren cud
where de develpoment and ppin adn of abvamed
Iocad stran tused hiie prode D00 apveactees appe i
1o he pevenssng

4 ESTABLISHED FATIGLE ASSESS
MENT PROCEDR RES

11 Scmmna Strest Aggvcat
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curves for different mean stresses and the appro-
pnate type of specimen. and the Paimgren-Miner
damage accumulation rule.

Given the fact that S-N curves are not available for
artciran v alues of K. specific curves have either 1o
be determined by inlerpolation between the expen-
mentally determmned ones or the component's fan.
gue hife 1s evaluated on the basis of an avalable
S-N curve for a K-value bewng shightly above the
K.-value of the detal considered

Whenever possble a relative Palmgren-Miner rule
15 apphed uning cxpenmental resuits for samdar
nrach tvpe components and 2 similas load spectrum
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Fig. | Local Strain Approach

mulated following Palmgren-Miner’s rule. Mean
stiess effects are usually taken into account by use
of socalled damage parameters {11] empirically
formulated on the basis of constant amplitude test
results. A damage parameter being widely applied
has been proposed by Smith, Watson and Topper
[12] and extended in [13)

Por=[0,+k o) ¢ EI* (3)

where k 1s a material constant. For application
nommally the baseline material’s fatigue life rela-
tionship which may be derived from *ests or mate-
nals data collections [14,15] is formulated in terms
of the damage parameter being used (see Fig. 2).

Although the Smith, Watson, Topper parameter has
attracted much acceptance its application suffers
from the fact that load sequence effects cannot be
accounted for.

To account for the influence of notch size and state
of stress, a notch fatigue factor K, is used instead
of K,. Various solutions have been proposed where
Peterson’s formula

K, +ar
Kx ———— 4
1 +ar

Powr IMPa]

vg Wner s Rt

has become quite popular, with a being a material
constant and r the notch radius. Alternative solu-
tions consisting of an appropriate shift of the mate-
nal’s damage parameter life curve by a constant
factor are explained in chapter 5.5.

B 0 e daasee b e bbems a4 b e asane

N A1 7075 - T 7350
50 :
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Fig. 2 Matenal’s baseline data, Pg,; damage
parameter




5 THE FRACTURE MECHANICS BASED
PARAMETER

5.1 Introduction

Aiming at a closer description of the physical pro-
cess of fatigue under variable amplitude or spec-
trum loading, a model for fatigue life prediction has
been proposed in Ref. {7] and extended and applied
in some further papers [16-19] based on fracture
mechanics of short cracks. For years crack closure
has been identified as a main driver for load se-
quence effects on crack growth. Consequently
modelling of crack closure and opening levels in
order to derive some effective crack dnving force
represents one of the key elements of that socalled
P,-model. Since that inode! had beer developed for
prediction of technical ’crack initiation’ in the
framework of local strain based concepts, it pre-
Gicts effective stress-strain ranges for each cycle
identified within the load sequence.

Those effective stress-strain ranges in conjunction
with a gradvally decreasing fatigue limit are the
means that allow for nonlinear cumulative damage
effects. Some details of the model are explained in
the following.

52 The P, Parameter

Since spectrum peak loads may introduce elasto-
plastic conditions at notches the cyclic J integral
for has been chosen as an elasto-plastic fracture
mechanics parameter for the description of crack
growth, i.e. damage accumulation. The bascline
behaviour may therefore be described by

da/dn = C - AJ,,"  (5)

Considening a nearly semicircular crack shape most
common to small cracks, AJ,, can be approximated
using Dowling’s formula [20]

Aly= (124 AGJE +
1.0240,4/0™[Ac,, - AGHE) 2 (6)

where AG,y = G, - G, and Ag,, =€, - €, The
term in double brackets in Eq. (6) is independent of
crack length and is interpreted as the damage para-
meter P, leading to

Aly=P, a @)
Taking into account the equivalence of crack pro-

pagation and damage accumulation calcvlation, P,
is applied for cumulative damage analysis just as

P, MPa]

other parameters. Accordingly the maierial’s fatigue
(strain)-life curve is represented in terms of a P-N-
curve which can usually be described by a power
law equation (see Fig. 3),

P* N=Q 8)

2R i i b i

. N8 Al 7075 - T 7351
o L E . 1000 MPa
9 m- 20
N RN ey
ey g
Ny
N
SU®
R R
CYCLES

Fig3  Material's baseline data, P, damage para-
meter

Since N in Eq. (8) represents the life between a,
and a, integration cf the crack growth law (Eqgs.
(5) and (8)) allows an estimate of the initial crack
size a, which is associated with the original stsain-
life curve via

=" -(m) C Q™ (9

It has to be emphasized, however, that Eq. (9)
gives a fictitious or equivalent initial crack or flaw
size which implicitly takes into account the effects
of microstructure, surface finish and specimen size.

53 Crack Closure and Opening

Opening and closure of short cracks has been in-
vestigated by several authors (e.g.{16,21,22]) with
the - surprising - result, that the experimemtal trends
are reasonably predicted by Newman's formula
originally developed for long cracks [23]. New-
man'’s formula as well as an extension introduced
in order to better allow for mean stress dependency
of different materials can be found in Ref. [18).

As a second important result of short crack closure
examinations, it was found that for elastoplastic
loading conditions closure and opening better
coincide in terms of strain than in terms of stress,
Fig. 4. Consequently crack closure and opening

x;
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Fg. 4 Crack closure and cpening levels as mea-
sured for a nickel base superalloy for three
limits of strain {31]

strain levels should be considered. For multi-level
loading an immediate change of the opening strain
ievel for low-high sequences and a gradual adapta-
tion of the new opening level for high-low sequen-
ces had been observed. These findings bave been
translated intc a set of rules for the determination
of load sequence dependent strain levels for crack
opening and closure which are given in detail in
Ref. [16). The comrzsponding opening and closure
stress levels are calculated using the cyclic stress-
strain curve on a cycle-by-cycle basis in connection
with rainflow analysis techniques (i.e. memory
effects).

54 Transient Endurance Limit

A further important feature of the model is the
consideration of a transient endurance limit which
depends on the accumulated damage. Based on
Tanaka's model [24] for the threshold behaviour of
short cracks and the above equations, it can be
shown how the current endurance limit, P,,, de-
pends on the current accumulated damage, D =

I n/N,, leading to

a
P.=P, (10)
[(.4!.-..0“-.) ‘D+ .ol n]illl ™oy at. a

where 2" = AJ,,/P,,, is called an intrinsic crack
length. The equivalence between dam~ge and crack
length is visualized in Fig. 5 where nommalized
cadurance limit is plotted versus crack length (Kita-
gawa-Takahashi plot) as well as versus damage D.

Since the failure crack size was 025 mm for the
example chosen (specimen diameter 6 mm), the
endurance limit for D = 1 is still higher than zero.

NORMALIZED ENDURANCE LIMIT, Ac,/A, o

NORMALIZED ENDURANCE LIMIT P, /P, o

Fe E 460
10 F . _
| long crack
threshold
short
07 cracks 4
imtial nfrinsic
05 Hrack lengtn crack length
a: a*
04 - L —
om Qo2 Gos 0 03
CRACK LENGTH, mm
10

Fe E 460

e T

Eg U

(=]
uw

L a, = 15 um

| a, = 250 um

R,sz 10MPo
[ Bz 0059 Nimm ]
0 i
[+ 0% 10

DAMAGE SUM. D

Fig. 5 Crack length dependent endurance limit
(Kitagawa-Takahashi plot) (top) and endu-
rance limit as a function of damage sum D
(bottom) for a structural steel

5.5 Notcu Size and State of Stress

Size affects the fatigue strength of specimens and
components. Size effects due to the statistical dis-
tribution of failures can be successfully handled by
weakest link principles introducing Weibull’s equa-
tion describing the probability of failure in terms of
life or stress. As shown in [25], the relative fatigue
strength of components of different sizes and sha-
pes can be described by a factor

Fy= (/lg,0" (11)

where lg = /[G(x,7,2)/0,,..)* AV is the stress integsal
representing a measure 17 the highly strained volu-
me (or surface) under consideration of some (in-
trinsic) scatter of the material’s fatigue strength.
With respect to the P, pasameter concept, Fy gives

v
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Fig. 6 Coupon geometries and dimensions

a measure for adjustment of the basic Pi-N curve in
terms of P, Since P, exhibits a quadratic stress
dependency, the actual shift factor is F,. In tems
of crack growth, a differemt initial equivalent flaw
size a, can be associated with the adjusted P, curve
(smaller a, for smaller volumes) which unambi-
guously corresponds to engineenng views.

Multiaxial states of stress at notches may influence
crack growth by at least :\wo mechanisms: the ope-
ning and closure stress levels are different (lower
for plain strain when compared to plane stress) and
the crack opening displacement may be affected.
Crack opening displacement is proportional to the
J integral and to the P, parameter. In Ref. (18] an
approximative solution is given for biaxial stress
states which prevail a1 near-surface areas. For this
solution, the constraim factor & used in Newman'’s
crack opening equations as well as the ratio of
biaxial versus uniaxial crack opening displacements
have been formulated as a function of the stress
ratio G,/0,.

6 APPLICATION - TEST DETAILS
6.1 Specimens

The approaches discussed above were applied to
both = set of spectrum fatigue data of notched

I)Z

LeScB It

?

e
bg

coupons with open holes and two components of
the center fuselage of Tornado MAFT made of Al
7075-: 7351 alloy.

The experimental results for the notched specimens
were taken from easlier studies [26,27). Specimen
geometries and dimensions are given in Fig. 6.
Notch factors and other constants are compiled in
Table 1. For the majonty of tesis, crack initiation
lives have been determined besides total life. Crack
initiation is equivalent 10 a crack with a fractured
surface of about 0.3 mm’.

Two differem aircraft components of Tomado with
representative fatigue cracks were selected for the
present study. The on= is : frame of the center
fuselage where fatigue cracks onginated from cor-
ners of a large cutout. Fig. 7 gives an overview of
the component, where the notches of consideration
have been specially referenced The other airframme
component 1s a comer segment close to the outbo-
ard air intake where a fatigue crack onginated on
the lower flange side during early stage of MAFT.
An overview of this component is given in Fig. 8.

Following the fatigue design procedure used for the
Tomado fighter aircraft notches can be related to
either one of the three K, values 2.0, 2.5 and 3.6
when appropriate. For the components under consi-
deration values of K, = 2.5 (cutout of frame of

@
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center fuselage) and K, = 2.0 (comer segment of
outboard air intake) had to be set.

CRACK POSITION 1
o

CRACK POSITICN 2

Fig. 7 Crack location in frame of center fuselage

The length of the cracks detected was in the order
of 30 mm at the cutout and about 6 mm at the
frame close to the outboard air intake. Results of
pravious inspections as well as a crack growth
calculation for a similar detail indicate 2 high
growth rate of the crac«s once initiated at the cu-
tout which suggests a crack “initiation” life of
about 90 percent of the life renorted through in-
spection.

CRACK PbSITION 3

Fig. 8 Crack location in comer segment of out-
board air intake

62  Load Spectra

The load spectra considered have been service load
sequences generated for the Tornado design pro-

gramme. Due to slight modifications in the design
programme and the component test results availa-
ble, six different load sequences were selected
(Fig.9):

Sequence A: A sequence derived from a typical n,-
sequence for fighter aircraft and being used to
determine the fatigue life of uonotched and notched
compooents. The sequence comprises 200 flights of
15 different flight types. Each flight contains bet-
ween 48 and 115 load cycles.

Sequence B: A sequence derived from 19 differem
flight types monitored on F-104 G fighter aircraft.
The sequence comprises 205 flights with 7 to 169
load cycles per flight.

Sequence C: equivalent to B with a different order
of flight types.

Sequence D: A sequence developed for the design
of fighter aircraft tailerons with an overall stress
ratio R = ¢,_./0..., = -0.75. The sequence comprises
400 flights with 26 differemt flight types of appro-
ximately 65 load cycles each.

Sequence E: A sequence generated from the level
crossing spectrum of sequence D. For the new load
sequence the mean leads of each load cycle had
been set to zero. The sequence comprises 400
flights with 10 different types.

Sequence F: This is the sequence used for Tomado-
MAFT. It is composed of 1095 different load cases
which have been the basis for configuration of 42
different flight types. Each flight type coniains
about 400 load cyciez Ome bluck contains 900
flights. The loads themsclv=s sre given in terms of
bending moments at a defined coordinate center of
the aircraft. To conver the load sequence to a
sequence of nominal stresses for the location consi-
dered wing position dependent conversion factors
were introduced on the basis of fuily elastic load
transfer behaviour being the ratio of calcalated
maximum nominal stress vs. the maximum load
generated for the specific wing position dependent
load cases. Depending on the location considered
this led to slightly different load spectra being
denoted as F1, F2 and F3 throughout the following.

The above load ¢_=ctra are shown in Fig. 9 as a
result of the peak counting algorithm. For the (no-
minal stress based) predictions discussed later,
however, rainflow counted spectra were applied
where the individual mean loads were considered.
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Fig. 10 Comparison of load spectra

A comparison of the normalized load spectra is
given in Fig. 10 where load levels and the camula-
tive frequency have been normalized to the respecti
ve maximum values of each spectrum. Typically
the taileron sequences D and E differ from the
other sequences, bu: also the peak load distribution
of sequences F appears to be less severe than those
of sequences A to C. However, sequences F com-
prise a total number of cycles which is about one
order of magnitude larger than the others. Sequence
A has been generated during an earlier stage of
Tomado design while B and C have been derived
on a different fighter aircraft.

6.3 Baseline Mate-ial Data

Tensile properties of ihe 7075-T7351 alloy deter-
mined on specimens machined from 16 mm and 25
mm thick plates were: E = 71000 MFa, o, = 514
MPa, ¢, = 441 MPa, elongation = 11 %. Stress-
strain ardl strain-life data for cyclic constant am.
plite-z loading were determined on unnotched
cyclindrical specimcn. The corresponding coeffi-
cients, the specimens’ dimensions and the materi-
al s fatigue-life curve plotted in terms of Pgyy are
givea in Fig. 2. Tie failure criterion selected for

Lood spectrum A
8= 00d spectium B
° Loag spectrum C

o LoqG specttum F1

* - Load specttum F2

A — Lood spectrum F3

- - {Load spectrum D

. Loog spectrum £

these fatigue tests was a, = 0.5 mm. The stress-
strain relationship used for cyclic loading is written
in terms of a Ramberg/Osgood equation:

e,=¢.+¢,=0/E+ (GJKH"™ (12)

The material’s baseline fatigue data in terms of the
P,-N curve is given in Fig. 3 where P, is obtained
from strain-life data via Eq. (6). Since according to
the P, model fatigue life consists of grovth of
(short) cracks the slope m = 2 of the P;-N curve
(see Eq. (8)) must be relevant also for the crack
growth law which translates to n = 4 in da/dN vs.
AK diagram due to the quadratic relationship bet-
ween AK and AJ. The coefficient C = 39 10*
(dimensicns mmj/cycle and MPa) and the threshold
Ay = 0.0152 N/mm have been obtammed from
long crack data reported in {28]. The equivalent
initial crack size comesponding to the PN curve of
Fig. 3 is a, = 0.057 mm.

A comparison between the uniform mateial law for
aluminium alloys given in [15), which is based on
more than 600 experimental results and the baseline
o-¢ and €-N data used for the local strain approach
shows good coincic  ce. As baseline data used for

Ll




the local strain and nominal stress approach were
not available from the same batch, the required set
of S-N curves of the notched specimens at different
R-ratios was calculated by use of the local strain
approach including the Py parameter. These S-N
curves were applied for nominal stress based crack
initiation life prediction. For two specimen types at
two load levels a comparison with experimental
data could be made which indicated a reasonable
accuracy.

7 RESULTS AND DISCUSSION
7.1 Crack Initiation Life Prediction

Fatigue life predictions for crack initiation were
compared to the experimental results mentioned
above. The following models were applied:

- nominal stress approach using S-N curves
derived for crack initiation

- local strain approach using P, damage
parameter

- local strain approach using P, damage
parameter.

The nominal stress based predicitons used a set of
S-N curves for R = 0.5, 0, -1 and -2 as described
in chapter 6.3. The curves were fitted to a four-
parameter Weibull equation always accounting for
the endurance limit. Intermediate R-ratios were
considered via interpolation between the above
curves.

For the local strain approach the influence of notch
size and transient endurance limit was accounted
for by different means depending on the damage
parameter used. With the Pyyy parameter, a tran-
sient endurance limit (or damage below the fatigue
limit) was globally accounted for by neglecting the
endurance limit. Notch size effects were included
by using the fatigue notch factor K, instead of K,
(see Table 1).

Transient endurance limit as well as size effects
were considered by the P, parameter as described in
chapter 5. The relevant constants and coefficients
ave compiled in Table 1 where a value of q = 15
was used for calculations of Fy and I, (18].

An example of the predicted and experimental
spectrum S-N curves of the notched coupons is
given in Fig. 11. With two exceptions five tests per
load level were available to establish the respect:ve
mean value. For all cases the ratio of the experi-

mental mean vs. the predicted fatigue lives were
determined and plotted in a bar chart (Fig. 12)

K 'E."; 3 e ¥ ‘070, s
20 3 136 | 430 | e | oo 16
23 4 234 166 [ 1217 | o006 14
s 2 108 s2s | ays | oom ¥}
10 ac 10 1574 10

Tab. 1  Coupon notch factors and related constants

where the specimen type, load spectrum and load
level is given for each case. To visualize the quali-
ty of the different models, the life ratios are plotted
in a probability chart (Fig. 13).

For the aircraft components notch size effects were
not considered within local strain based calculations
because of the relatively large notches. However
the influence of multiaxial stresses seemed relevant
for the cutouts of the center fuselage’s frame. The-
refore additional calculations were done to discuss
that effect.

The fatigue lives and respective life ratios deter-
mined with the different approaches are summari-
zed in Tables 2 and 3.

Following the Tomado fatigue design process the
stress concentration factor K, for the comer segm-
ent was sei to 2.0 even though approximations from
handbooks yielded a lower value. An additional
calculation with K, = 1.5 was therefore performed.

7.2 Discussion
Noiched Coupons

For the assessment of life prediction hypotheses
different criteria can be applied {29]). One important
critenon is the spread (or scatter) of life ratios,
another one may be the mean life ratio indicating
conservative or unconservative predictions on an
average or the fact that, for example, predictions
are always or predominantly on the conservative
side.

With regard to the spread of predictions for the
notched coupons, Fig. 13 shows that all three va-
riants exhibit similar numbers with the lowest scat-
ter for the nominal stress approach. Translating
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COMPONENT | K, Nom.
Stress
Approach

Without Muluaxiality | With Muluaxiality

Frame in Center
Fuselage

- Upper Nokch 35 265.000 167.360

- Lower Noich 25 70,750 65,770

Corner Segment

close to Outboard

Air Intake 20 15800 22,710
[ 104.850

32,390 55810
9870 16,850
3,500
18,440

Tab. 2 Predicted flights for aircraft fuselage details using different approaches (crack initiation life)

COMPONENT K, Nom. Pswr Py
Stress
Approach
Without Multiaxiality | With Multiaxality

Frame 1n Cenier
Fuselage
- Upper Nowch ) 004 0.06 0.3} 0.18
- Lower Notch 2.5 0.14 015 1.02 0.60
Comer Segment
ilose to Qutboard
Air Intake 20 0.51 035 228

1.5 0.08 043

Tab. 3 Fatigue life ratios for aircraft fuselage details using different approaches (crack initiation life)

quantitative requirements as put forward by diffe
rent authors [29] into a scatter value (neglecting the
absolute life ratios), all concepts may be assessed
as acceptable. The mean values however differ
significantly. Whereas the nominal stress based as
well as the local strain based predictions using Pgyr
deliver unconservative results, the P, parameter
produced mainly conservative predictions.

Similar trends have been found in (17,18] whete an
extensive study on a variety of materials including
steels and aluminium alloys has been performed.
The spread of the P, based predictions, however,
was markedly smaller than that of the cooventional
Pgur parameter (3.6 for P, vs. 5.9 for P, for the
10% and 90% probability ratio of life ratios). The
mean life ratio for P, was close to unity whereas
for Pgyr a value of 0.3 was found which is general-
ly in line with the present resulls.

It is perbaps interesting to note that the nominal
stress approach and the Pgy, based predictivns
delivered similar results in several cases (Fig. 12)
although the consideration of damage contributions
below the endurance limit had been different (see

Chapter 7.1). This part of the spectra obviously

400 - +
© 7075 - T7351
o =25
§_ Spectrum A
é 3004 ]
(7]
]
c
5 J
— P ~
Z 2004 ] ~
¢ === = Powr @\
é — e Nomina! Siress Approach
150 0 O
102 103 104 10°

Flights

Fig. 11 Comparison of experimental and predicted

crack initiation spectrum fatigue lives for
notched coupons
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does not contribute to the calculated damage to a
significant amount within those methods. This has
been confirmed for selected test cases.

Aircraft Components

Forementioned trends determined for the notched
coupons were similar for the aircraft components.
The nominal stress as well as Pgy-based predic-
tions are unconservative whereas the P-based pre-
dictions are closer to unity. Considering 2 biaxial
stress state at the cutouts shows a marked influence
on the predicted life. With regard to the above
results however the approximate nature of that part
of the P,-model should be kept in mind.

For the comer segment a iater analysis indicated
the stress concentration factor to be lower than 2.0.
Applying a value of 1.5 the P;-model again resulted
in a better prediction than using the conventional
Pywr-parameter.

The significant underestimation of fatigue life for
the upper part of the cutout in the center fuselzge’s
frame may has been promoted by an underestima-
tion of the stress level determined by FE-analysis.
The corresponding calculated stress level for the
lower notch of the cutout was 17% higher which
resulted in a shorter predicted fatigue life even
though the experimentally determined fatigue lives
were similar for the upper and lower notch. A fun-
her crack along a rivet row having occured in the
vicinity of the upper part of the cutout during the
final stage of the test life may have contributed to
an increase of the applied stress. The short propa-
gation period of the crack initiated at the upper
notch gives furcher support to this assumption.

Predictions Based on Handbook Data

Standard design procedures for (German) military
aircraft include a nominal stress approach based on
S-N data valid for complete specimen separation.
Data of that kind is mainly obtained from hand-
books [30] and has been used for predictions of the
respective total fatigue test lives of the notched
coupons ind the total test lives of the aircraft com-
ponents. For the antched coupons, unconservaive
predictions were obtained with a mean life ratio
similar to that obtained with the nominal stress
approach based crack initiation fatigue life predic-
tions. Scatter however increased by 60%.

Similar trends are observed for the aircraft compo-
pents. For the three examples predictions are un-
conservative and differ significantly with life ratios

between 0.0016 and 0.73. In particular the first
oumber being out of order gives 1ise - the fore-
mentioned assumption of 2 considerable unacresti-
mation of the overall stress level for the respective
detail.

8 CONCLUDING REMARKS

Fatigue life predictions to crack initiation were
performed using the nominal stress appraoch and
two versions of the local strain approach. A socal-
led P-model for expiicit consideration of load-
sequence effects based on crack opening and closu-
re phenomena has been outlined which can be
applied within the framework of a local strain
approach. The spread of life rauos for notched
coupons tested under different fighter aircraft spec-
tra was similar for the three variants. Only the P,-
model, however, resulted in conservative predic-
tions.

In order to demonstrate applicability to fatigue-
critical arcas of real aircraft, three examples have
been selected for Tornado-MAFT. P,-based predic-
tions led to the best result which can be taken as a
motivation to extend this analysis to further details
and materials.

Even if application of the local strain approach to
fasteners appears to be impractical, there is a consi-
derable amount of details where such a type of
approach is promising. One of these aspects to be
noted is the relatively small experimental effort for
determination of baseline fatigue data. This makes
the local strain based approach potentially inter-
esting not only for prototype design, but also for
redesign (e.g. structurai or material modification)
within aircraft mid-life updates.
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ABSTRACT

The paper describes an experimen-
tal study of notch root fatigue
crack growth under FALSTAFF spec-
trum loading in an Al-Cu alloy.
Crack growth rates were neasured
from crack size as small as 20
microne using optical fractography
and replication technique. Frac-
tographic measurements indicate
similar scatter levels between
notch root short crack and long
growth rate data. This is in con-
trast to surface replica based
measurements which are indicative
of large scatter. Growth rate vari-
ation was noticed between multiple
cracks initiating after different
periods of natural crack forma-
tion. This is attributed to the
influence of larger existing
cracks on smaller cracks that ap-
pear later. In contrast, identical
artificially initiating cracks
grew at a similar rate.

INTRODUCTION

Fatigue failures as a rule initiate
at stress raisers like holes, fil-~
lets, etc.. Even though crack in-
itiation is localized 1in this
manner, a careful study of service
faiiures often indicates that the
large crack at failure actually
resulted from the merger of multi-
ple cracks that initiated at dif-
ferent locations on the notch
surface. A large fraction of total
fatigque life can be exhausted in
the formation and growth of small
cracks at the notch root.

A numraer of theoretical studies
have been carried out on the esti-
mation of stress intensity factors
for multiple crack situations in-
volving interaction and coales-
cence [1-5). Many studies involved
numerical techniques and were usu-
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ally restricted to modeling a pair
of cracks [6-9]). Statistical tech-
niques have been used to handle the
merger of multiple cracks
{$,10,11}.

A few experimental studies were
restricted to the stuoy of the
growth and coalescence of two ar-
tificially initiated cracks at the
notch root (6-2). Much work has
veen devoted to the study of the
distribution of total fatigue life
over crack initiation and growth,
including questions of crack den-
sity [l2-14]).

Published experimental data often
lack information on the interac-
tion of multiple cracks by way of
influencing crack growth rate. In
fact ref. 9 which describes experi-
ments on a pair of cracks initiated
artificially (and of equal size)
concluded that there was indeed no
interaction between them.

This paper describes an experimen-
tal study on the growth of multiple
naturally initiating cracks at the
notch root. The study was carried
out under a fighter aircraft wing
load spectrum to simulate realis-
tic loading conditions. The objec-
tive was to track the initiation
and growth of small cracks through
replication technique, and through
optical fractography. It was ex-
pected that in contrast to previous
work (e.g. ref. 9) which was re-
stricted to multiple cracks of
identiczl size, multiple cracks of
different size may interact and
theredy influence qgrowth rates.
One wouid expect a related vari-
ation in growth rates for cracks
when compared with reference to
similar size and shape. This can
have implications for life predic-
tion as well as nondestructive
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inspection. The next section de-
scribes the experimental procedure
used in the study. This is followed
by a summary of test results and
discussion.

EXPERIMENTAL PROCEDURE

Material and specimens: The ex-
perimants were conducted on Al-Cu
alloy L168 trom an Indian manufac-
turer, which is an equivalent of
2014- T6511. Specimens were cut
along the extrusion direction from
200x70 mm bar stock. The geometry
and dimensions of the test speci-
mens appears on Fig. 1. A total of
three specimens were used in the
experiments: Specimen 1 had two
similar co-planar crack initiators
introduced by electrical discharge
machining (EDM). Specimens 2, 3
were tested with a smooth notch
surface to ensure natural crack
initiation. The notch surface was
polished to assist crack tracking
using replication technique.

Testing: The specimens were tested
under a programmed vercion of the
FALSTAFF 1 ad spectrum {15). In
this version, the loads are ar-
ranged in such a manner so as to
cause the formation of discernible
striation (beach mark) patterns
that can later be recognized by
optical fractoaraphy. Ref. 15 pro-
vides a detriled description of
this technique and how it can be
used to measure the growth rate of
small cracks under the FALSTAFF
spectrum. It also provides evi-
dence suggestive of little or no
distortion in overall test results
due to the rearrangement of the
randomized FALSTAFF source load
sequence. One complete block of
FALSTAFF corresponds to 200
flights. Briefly, the FALSTAFF
load spectrum is rearranged into
18 identical multilevel programmed
steps, each with one of the 18
major loads in the spectrum. A
schematic of the sequence appears
on Fig. 2. The major loads are
identical to the 18 most severe
ones in FALSTAFF, while the pro-
grammed steps were shown through
analysis and testing to be the
equivalent of the rest of the
FALSTAFF sequence in damage con-
tent {15).

Specimens 1,2 were tested at the
same spectrum reference (maximum)
nominal stress level of 225 MPa.

This stress level induces mono-
tonic yield at the notch root.
However, as the ratio of the lowest
to highest stress level in the
spectrum is -0.3, reversed yield
did not take place. Earlier experi-
ments under FALSTAFF spectrum on
the same material had shown [15],
that this stress ievel causes large
hysteretic variations in notch
root plasticity induced crack clo-
sure and also, that the local
stress level is sufficiently large
to cause early crack initiation.
Finally, the selected stress level
had in earlier experiments pro-
duced excellent fractographic evi-
dence of striation mode crack
growth from small sizes right up
to a fewmillimeters from the notch
root. The objective of these tests
was to compare growth rate behav-
iour for artificially initiated
cracks as opposed to naturally
initiating cracks. Specimen 3 was
tested at a spectrum reference
stress level of 275 MPa. This
stress level causes cyclic yield
at the notch root. The objective
of this experiment was to assess
stress level effect on the growth
of naturally initiating cracks.

All tests were carried out to
failure and no additional instru-
mentation was used to track crack
growth. The testing was carried out
on a 100 kN computer controlled
servohydraulic testing machine at
an average test frequency of 10 Hz.
The specimen was held by hydraulic
grips, whose wedging action in-
duced uniform displacement, rather
than uniform stress conditions. It
may be suggested that this differ-
ence may have only a negligible
effect on short cracks growing out
of the notch.

Crack growth measurements: Two
methods were used to determine
notch root short crack growth
rates: notch surface replication
during the test and optical frac-
tography after failure. During the
test, the replica was initially
applied to the notch surface once
every block of the FALSTAFF spec-
trum, while maintaining a load
equal to 75% of the maximum spec-
trum load. This was to ensure that
those cracks that did appear could
be open for the replica to pene-
trate. Once a crack could be de-
tected, replication was carried




out more often. A Neophot- 2 opti-
cal microscope was used to study
the fatigue fracture surfaces af-
ter failure.

The replica technique is re-
stricted to surface measurements.
Fractography assists in tracking
growth across the entire crack
front. It may be fair to note that
fractographic approach gives ex-
cellent results everywhere with
the exception of the specimen sur-
face, because the surface region
is often damaged due to rubbing,
debris formation, fallout or abra-
sive action. As a consequence,
crack depth, 'c', rather than sur-
face length, 'a' is a better cri-
terion to assess short crack growth
rate. To make this possible, a:c
ratio was determined from optical
fractography as a function of sur-
face crack length. Using this re-
lationship, replica measurements
of surface crack size were trans-
lated into crack depth data. The
translation assumed that a:c ratio
caninot see sudden (discrete) vari-
ation - as clearly indicated by the
fractographic evidencs on growth
across the crack front. All growth
rates obtained from this study
appear in terms of dc/dF, rather
than da/dF.

Crack growth rate measursmsnts:
Growth rates were determined di-
rectly from fractography. As men-
tioned earlier, the programmed
FALSTAFF sequence contains eight-
een steps, each with a charac-
teristic major load cycle and a
number o programmed minor load
cycle steps (see Fig. 2). Each of
these sets of cycles leaves behind
a characteristic 'macro' striation
on the fracture surface that can
be seen through an optical micro-
scope.

Crack growth rate was determined
from replica based growth measure-
ments as the derivative of a para-
bolic fit through three points. Use
of a greater order pelynomial or
greater number of points would have
resulted in lcss of data in the
earlier stages of crack growth. For
example, use of seven point po'y-
nomial as per ASTM E-647 would have
meant discarding the first three
growth data peints. The parabolic
fit results in the loss of only the
first and last points in the growth

curve. Average growth rate esti-
mate from successive crack exten-
sion and block interval
measurements was discarded after
observing a larger degree of scat-
ter than in the case of parabolic
fit through three points.

RESULTS

Fig. 3 shows the fracture surface
from specimen 1. One of the arti-
ficial crack initiators is clearly
visible at the left. Also seen are
the striation patterns left behind
by the programmed FALSTAFF load
ssquence. These are visible only
at certain locations in view of the
poor depth of focus with optical
fractography. Locally magnified
pictures were used to determine
crack growth rates from a crack
size under 20 microns right through
to failure.

Fig. 4 shows replica based crack
growth measurements for the two
tests carried out at 225 MPa. In
case of the specimen with EDM crack
initiators, crack growth was ob-
served almost immediately after
commencement of testing: 4 and 6
load blocks respectively for the
twe initiators, The two cracks
merged after 42 load blocks as
indicated by a jump in crack size
which now appears as a single
symbol, representing the sum of the
two crack sizss. Also shown on Fig.
4 are replica based crack growth
measurements for Specimen 2 with
naturally initiating cracks. The
replica technique indicated dis-
cernible first crack formation and
growth after more than 30 blocks
of loading, which translates to
about 6000 flights. Other cracks
appeared subsequently and this
along with their merger and growth
to failure accounted for the re-
maining 60 blocks of fatigue load-
ing (12000 flights).

Fig. S shows fractographic and
replica based crack grcwth rate
estimates for specimen 1. The con-
tinuous lines are from replica data
while the points are from optical
fractography. Growth rate data in
the same format for epecimens 2 and
3 with multiple naturally initiat-
ing cracks at the two spectrum
stress levels appear on Fig. 6. A
total of 31 crack origins were
counted in Specimen 3. A crack
origin was identified as the locus
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of radial lines passing through a
developing crack front. All ori-
gins were traced to the notch
surface. Figs. 5, 6 are indicative
of considerable scatter in short
crack growth rates when perceived
through replica based measure-
ments. This is consistent with
experience cited in the literature
[(16]. However, scatter is not so
apparent ia the fractographic es-
timates of growth rates. Consider-
ing the log linear variation of
growth rate versus crack depth, the
linear fit correlation coefficient
is an indicator of scatter. Linear
fits through replica based growth
rates versus crack depth yielded
coefficients ranging between 0.6
and 0.8. This applied to both
naturally initiating as well as the
artificially initiated cracks. In
contrast, log-linear fits of frac-
tographic crack growth estimates
versus crack length yielded corre-
lation coefficients always exceed-
ing 0.97. In the case of the two
artificially initiated cracks, the
coefficient was 0.99. This higher
coefficient may be attributed co
the larger effective crack size in
view of a preexisting EDM notch of
finite, well defined size and
shape.

In view of the better quality of
fractographic growth rate esti-
mates, further analysis was re-
stricted to this source of data.
Fig. 7 shows greater detail of
multipie crack growth rate data
from Specimen 2 (Sref = 225 MPa).
We find data points down to a crack
depth of 20 microns and less. Data
points for a particular crack are
denoted by a separate symbol. A
total of eighteen crack origin
points were detected on this speci-
men. Data only for ten of these
appear on the figure to avoid a
cluttered picture. Data for the two
slowest cracks are denoted by a
continuous line. These were the
dominant cracks as shown by che
supporting data in Figs. 8 and 9.

Fig. 8 cortains linear approxima-
tions of growth rate data for
specimens 1 & 2. The growth rates
for artificially initiated cracks
are somewhat less than for the
slowest naturally initiating
cracks. Lines A and B are for the
dominant cracks whose growth rates
were denoted by a continuous line

in Fig. 7. This is also apparent
from the picture of crack front
sizes reconstructed by reverse in-
tegration of growth rates and shown
for specimen 2 in Fig. 9 at load
block 71. We find cracks A and B
have already grown to a depth of
almost 1.5 mm, while most other
cracks are much smaller. As shown
by the lines in Fig. 8, the cracks
that appeared later grew at a
faster rate - under the influence
of A and B. Thus, F, the smallest
crack shown in Fig. 9 started
growing at a rate about ten times
higher than that of A (when A was
of the same size). As these
smaller cracks 'catch up' with the
dominant one(s), a through crack
finally appears. This is accompa-
nied by a gradual merger of growth
rates at the high end. Our obser-
vations did not indicate any sign
of rapid acceleration after
merger.

In contrast to the cracks in Speci-
men 2, the two artificially initi-
ating cracks in Specimen 1 grew at
an almost identical growth rate.
Obviously, because their sizes
were at any given time similar,
their influence on each other was
also even. It would be fair to
suggest that they had an equal
effect on each other, rather than
conclude that they did not affect
each other. To support the latter
claim, one would have to test
another specimen with a single
(artificially initiated) crack and
compare growth rates for the two
cases. Equal growth rates wouid
indicate that indeed two coplanar
cr.cks cf equal size do not affect
each other.

DISCUSSION

It must be noted that the replica-
tion technique permitted the
tracking of all cracks that ap-
peared on the notch surface. Opti-
cal fractography could be used to
track only those cracks that fi-
nally merged to form the dominant
crack. Those that were on other
planes ended up as non-propagating
cracks and could not be studied
usiang fractography. One may con-
clude that replica technique per-
mits the study of crack formation
on the notch surface, while frac-
tography (where applicable) can
provide a detailed and high preci-




sion picture of how domiuant
crack(s) leading to failure devs 1-
oped and propagated.

The fractographic study on speci-
men 2 revealed &s many as 18 crack
origins that were not necessarily
coplanar. At a higher stress level
(specimen 3 at 275 MPa), as many
as 31 crack origins were traceable
on the fracture surface. This
suggests that as applied stress is
increased, more cracks will origi-
nate at the notch root. It may be
svggested however, that from the
viewpoint of exhaustion of fatigue
life, one needs to consider only
the dominant crack(s) which ac-
count for the largest fraction of
total fatiqgue life. Their growth
occupies a sizeable fraction of
total fatigue life. The smaller
ones that appear after them would
have only a negligible influence
over the remaining period.

The observations made above may
".ve implications for assignment
of inspection periods and detect~-
able crack sizes in design and
operation of airframes. If a po-
tential fatigue critical area is
accessible for inspection from all
sides where a crack is likely to
initiate, one may readily assume
that detection will always involve
the dominant crack (which will
happen also to be the slowest). On
the other hand, if the design is
of a fastener (inner notch surface
concealed) or some other part where
the opposite side also may be
inaccessible, the design would
have to assume the worst case
scenario, whereby, when a small
crack is detected, a much larger
crack is likely to already exist
inside that will accelerate the new
ones's growth. This problem is more
critical for thicker components
where a through crack is more
likely to be of critical dimen-
sions.

Fractographic estimates of growth
rates show negligible scatter and
a Clear log-linear relationship
with crack length. This observa-
tion strongly supports the appli-
cation of Fracture Mechanics to
very small cracks. Considering
that at higher stress level, crack
growth was found to account for
total fatique :rife, an FM approach
to life prediction appears practi-

cal. fhase o-aervations may appear
to coatradi.c hose often found in
the literature, suggestive of con-
siderable scatter in test results
and also :he characteristic dip in
growth rates after initial accel-
erated growth, sometimes leading
to crack arrest. It may be noted
that our tests were carried out
under spectrum loading and at
stress levels of practical inter-
est, which are rather high. Scatter
reported in the literature may be
attributed to 1limitations of
growth measurement (replica tech-
nique) and the very nature of crack
growth under constant amplitude
near threshold conditions. Spec-
trum loading on the other hand has
always been known to result in less
scatter due to the 'control' exer-
cised on the process by the infra-
quent overloads.

The artificially initiated cracks
appeared to grow noticeably slower
than the slowes® naturally initi-
ating cracks (Fig. £,. This dif-
ference may be attributed to a
smaller ...ective size (given as
total depth minue notch dept . cf
“hese cracks in th.. ati-. stage
of growth as “'ev are growing out
of an EDM ‘'notch ./ thin a notch'.
If this observation i1s acceptable,
it would follow, that one cannot
wake® a useful study of notch root
small crack growth using artifi-
cial crack initiators.

Finally, it may be noted that the
fractographic technique involving
specially engineered load sequenc-
ing and a material that is condu-
cive tc ductile striation
formation may not always be a
realistic proposition. However,
both inputs in this study were of
practical relevance and they pro-
vided data that may not have been
obtained using other methods. Con-
sidering the requirement of ob-
taining a better understanding of
spectrum load notch root fatigue
of greater application value, it
is proposed to extend the same
technique to fasteners, including
lugs with and without interference
fits.

CONCLUSIONS

1. The growth of multiple cracks

at notches was experimentally
studied in L168 Al-Cu alloy
coupons. Crack growth was
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measured using replication
technique and optical . -
tography.

Replication technique provides
information on the formation
and growth of cracks over
the entire notch surface. How-
ever, the gquality of crack
growth rate measurements us-
ing this technique may not be
adequate in view of large ob-
served scatter in results.

Fractographic measurements of
crack growth rates show excel-
lent consistency and low
scatter, that is comparable
to long crack growth rates.
They also permit identifica-
tion and tracking of multi-
ple cracks chat initiate at
the notch root.

Cracks growing from identical
crack initiators grow at the
same rate. However, natu-
rally initiatiig cracks sel-
dom do su simultaneously.
Conseque~*ly, cracks that ap-
pear la‘ grow faster un-
der the rluence of existing
fatigue cracks.

As applied spectrum stress
level is increased, crack in-
itiation sites increase in
number. Also, the fraction of
total fatigue life consumed
in crack growth increases and
can reach 100% at a suffi-
ciently high stress level.
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Fig.1.cingle edge notch (SEN) specimen with two EDM crack in- e o

itiators. The other specimens tested were similar, but
without the EDM crack initiators.
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This spectrum was found to provide the same crack growth
rates as the full, randomized version [(15].
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SUMMARY

In this paper the methods used for calculating the
fatigue life of metallic dynamic components in
rotorcraft is revicwed. In the past, rotorcraft
fatigue design has combined constant amplitude
tests of full-scale parts with flight loads and usage
data in a conservative manner to provide “safe lifc"
component replacement times. This is in contrast to
other industries, such as the automobile industry,
where spectruni loading in fatigue testing is a part
of the design procedure. Traditionally, the linear
cumulative damage rule has been used in a
deterministic manner using a conservative value for
fatigue strength based on a onc in a thousand
probability of failurc. Conservatisms on load and
usage are also oten cmployed. This procedure will
be discussed along with the current U.S. Army
fatigue lifc specification for new rotorcraft which is
the so-called "six nines" reliability requirement. In
order to achieve the six nines reliability requirement
the exploration and adoption of new approaches in
design and flcet management may also be necessary
if this requircment is to be met with a minimum
impact on structural weight. To this end a fracture
mechanics approach to fatigue life design may be
required in order to providc a more accurate
estimate of damage progression.  Also reviewed in
this paper is a fracture mechanics approach for
calculating total fatigue life which is based on a
crack-closure small crack considerations.

1. INTRODUCTION

Over the past several decades rotorcraft have been
designed under the safe-life philosophy using the
Palmgren/Miner  [1,2] nominal stress rule.
According to one rotorcraft manufacturer very little
has changed {3] philosophically over this time
period with most of the ehanges being made in the
mechanics of the calculations where high speed
digital computers have replaced slide rules and
mechanical calculators.  As technology in other
arcas incrcases this often allows for more
sophisticated aircraft systems that produce different
flight operations such as nap-of-thc-carth, night
flying, and air-to-air combat. These operations will
add an even more variable fatigue load environment
on rotorcraft than in the past thus requiring a
fatigue life analysis that can reliably evaluate the
effects of variable amplitude loading on the damage
process.

Because of two studies [4,5] done about a decade
apart, the safe lifc approach using thc Palmgren-
Miner(P/M) lincar cumulative rule has been
questioned as being the most reliable approach to
predicting fatigue life.  In the work in refcrence 4
by Jacoby, the predicted lives of one-third of about
300 tests on all types of structures and matcrials
were considercd to be on the unconservative side.
The work in reference 5, the hypothetical pitch link
problem formulated by the American Helicopter
Society(AHS), showed variations in predicted
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fatigue life from 9 to 2,594 hours  The AHS pitch
link problem caused  somw people n the
intematiora) rotorcraft comnmumity {6} 0 review
this problem s well as to add a test program on a
simulated pitch hink so fatigue life calenlations
could be compared to test results which was not
donc n the AHS problem {3]

The large dffercnces in the AHS pitcih Lok
predictea fatigue hves has resulted  trom cach
manufacturer using vanous conscnansms on the
various parts of the fatguce life prediction process
Various reductions techmgues iy the component
fatigue strength cunves and the use of top of scatter
flight loads are but two of these consenvausms
One of the reasons for conservative design has been
a lack of accurate and detaubed structaral anabvses
Over the sears advances in computer speed and
memory have resalted i more elticient methods tor
lad analysis  However, these methods have been
mplemented without a better delinttion ot the fevel
of conservatism  As a consequence, the US Ay
1s requaning that the next rotoreraft to be developed
have and expected value of siv nines reliabality for
flight critical components

The exploration and adoption of new approaches m
design and Neet management may be peeessany to
achieve a rehabiliy of six mines with. munumum
impact on structural weight  Actual tleet louds
monitonng  may  be required o reduce the
uncertamty  n - usage Some  of these new
approaches have been umplemented n a Life oaele
management program started during the 1986y {7]
Fracture mechamies fatigue hle approaches mas be
required to provide mwore accurate eshimates of
damage  progression Also.  Might-by-thght
spectrum testing of full-scale pants may be required
to reduce the uncertainty of spectrum futigue hite
predictions and possibly lower the coctlicients off
vanation  The purpose of this paper is o review
the past practice of the rotorcraft  sute-hiv
approach, to review some of the aspects of the
current six mines rehabiliny fatigue hiv requirement
particularly the recent AHS six nes tutigue lile
round-iobin . and to review a possibly  Tuture
approach to fatigue hfe predicuion usme a Iracture
mcchanics approach were total fatgue lle s

predicted  using onh crack  propagation
considerations

2. PAST PRACTICES

Swice the AHS piteh hink problem involsed almost
all ol the U S rotorcraft manufacturers as well as
two European manufacturers an ovenview of latigue
Iile prediction of rotorcraft n the past will be
presemied by reviewing some of  pitch hink
participants design practices In the pich hink
problem the three hey ngredieats given to the
participants were the nussion spectra, the flight
loads. and siv stress versus fatigne Iife cycles{S/N)
data pomts Since the P M hncar cumulative rule s
the basis tor rotorcraft fateue hfe prediction up to
the present. these three mgredients provide all the
data that s weeded to predict faugue bfe The
lmear cimlatne damage rule states that fatigue
tatlure occurs when the snnmation of the so-called
avele ratios (0 N) s egual to one  In the nomunal
stress approach, the theht loads are grouped into
discrete load fevels so the numerator (n) of the evele
ratos can be detined  In the design of rotorerafl the
denonmator(NY 1s deternuned from fatigue tests on
the actual part bemy desiened

21 Mission spectrum(thight loads) The hfe
caleulations often start by developmg the nussion
spectrem which  defines the manuevers  the
wotorerall will expenience as well as the percent
occarence Tor cach of these manuevers an the
mission spectium - As stated previoulsy the flight
loads from the varions manuesers are used to form
the numerator(n) ot the evele ratostn™)  Also
speaitied are what 1s often called the Thght profile
sphis which define the pereent time spent at vanous
pross weights  center of gravity, altitudes, rotor
speeds and other pertinent data For the setehy link
prohlem the mission spectrum s shown in Tabie |

The thight foads are determined from a flight loads
surves on a production configured rotorcraft where
the rotorcraft s flown at all of the mancnvers
dehined i the nussion spectrum These flight Joads
are usually collected from flights i different awr
condiions sach as smooth, twbulent, hot, cold. wet,
drv, ete These vartous weather condations often




require taking loads data on different days which
some manufactures require [3].  An example of
flight loads on the pitch link for a high speed dive is
shown in Figure I.

The preferred way(in - the sense  of  most
consevative) of determining which load values will
be used in the damage calculations is termed top-of-
scatter loads. From Figure 1 it is scen that the
maximum top-of-scatter load is 2352 pounds.
When combined with the minimum load during this
maneuver, minus 1386 pounds, the maximum load
range becomes 3738 pounds which when divided by
two gives the top- of-scatter alternaung load for this
mancuver as shown in Table 2. For the purpose of
the damagc calculation this load 1s considered to
occur over the entire time of the mancuver  Thus
procedure 1s performed on all of the maneuvers in
the mission spectrum and produces the results
shown in Table 2 As it will be seen later. the
steady load for all of the conditine mat will
contribute to the damage usiw th B/M rnule, 1s
fairly close to the steady loar' wse . i the pitch links
SN eurve. therefore + wdificanon o the
alternating loads to accowr . tor what 1s called the
Goodman effect 15 ot regmred  The so-called
Goodman cffect anises becanse the fautigne load
cvcles from tie flight loads data asc at many
different <tiess ratios. R (ratio of mumimum to
maximury - stress) These  toads(stresses)  are
"corrected” to stress values that give the cquivalent
darage as the flight Joad stresses but at the stress
rutio used for the components SN cnne The
hincar form of what has been called the Goodnan
correction was used by mwost participants - the
pitch link problem |3] when it was considered
necessan to "correct” the alternating loads

2 2 Fatigae steength{S/N cnrve) The first step
n estabhishing the design SN curve which s used
to determune the denonsinator{N) m the 1M rule. i3
to detcrmune the endurance It ot the conponent
of interest  The endurance linn as deternnned by
first testing @ mummnm of siv full-scale eact
replicas of the component to fanlure at ditterent toad
levels [3]  In the situaiions where the complesity of
the component and loadimg 1s such that more than
one fallure site 1s possible, cight or more tests are
run by some mannfacturers 8] The endurance

limit is determined by extrapolating each of the six
or more tests points to 10 million cycles(for ferrous
materials) using a standardized curve. Once the
extrapolated endurance limit for each test point is
known, the mean and other statistical values of the
endurance limit are detcrmined. The standardized
shape of the S/N curves is one place where different
procedurcs are used. Most manufacturers use a
shape that is determined by running numerous
coupon specimens of the component's material with
a stress concentration that closest simulates that of
the failure site of the actual component [3,8,9]. The
methods uscd to ¢stablish Cie shape of these curves
is different for cach manufacturer. Some use a
Wohler curve [10,11] some a Weibull equation [9] ,
some their own equations [8] , and some use two or
more procedures depending on which seems to be
the most valid for thc particular situation [12].
Since each manufacturer uscs a different procedure
for determining the curve shape that is used to
determine the endiirance limit , different endurance
honts will result thus providing some differences in
the final calenlated fatigue life.

Probably the greatest difference in fatigue lifc
calculations comes from the method used to reduce
the mean endurance hmit to the design allowable
|6} Each mannfacturer has its own set of reduction
factors  The component life 1s usually calculated
using the lowest value of the cndurance limit as
determined by one of the several reduction factors
Almost all manufacturers use the reduction factor
of mean nmunus  three times  the  standard
deviation(mean - 30)  Some manufacturers use
$0% of the mean as a reduction factor [3.10] and
others nsed a reduction factor based on an equation
by Hald [11] Table 3 shows a companson of the
eucan endurance haut for the pitch hink problem as
well as the design allowable endurance himit

23 Fatigue hfe calculations With the design
allowable fatigee homt determined and the flight
loads for the vanous mancuvers cestablished, the
fatigue hte can then be caleulated using the PIM
rule by comparing the Tight loads to the endurance
lumt of the component  The mancuvers where the
tflight loads are above the endurance linut are
considered to be the damaging mancuvers  The
snmenator i the ovele ratio for the P/M rule for
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each maneuver is determined by calculating the
number of load occurrences that are experienced by
the component over a certain tine period(often for
one hour). For the pitch link problem with a rotor
speed of 324 revolutions per minute and assuming a
load frequency of once per rotor revolution, the
numerator becomes 145.8 damaging load cycles per
hour for the 1.5g right turn(324 X 60 X 0.0075).
The denominator of the cycle ratio is then
determined for each maneuver by reading from the
component's S/N curve the fatigue life at the stress
level for each maneuver. The cycle ratio for each
damaging maneuver is formed as just stated and the
total fatigue damage is detcrmined by summing all
the cycle ratios for each loading condition, Z(n/N).
The reciprocal of total fatigue damage, 1/Z(wN),
then becomes the fatigue life of the component. 1If
using the top-of-scatter procedure for determining
the flight loads gives a too conservative value of
fatigue lifc, then o more formal type of cycle
counting is cmploy cd.

Again, each company uses a different type of
counting method.  One manufacturer uses a method
that reduccs the flight loads into a histogram that
contains cvery load reversal that exceeds the
endurance limit [3]. The details of this method are
found in Bruhn's .Analysis & Design of Flight
Vehicle Structures. [13]. One manufacturer did use
the rainflow mcthod [10] which has been considered
by many to be the more reliable counting procedure
for accounting for load scquence cffects.  Most
manufacturers used a mcthod derived to adapt to
computer programs that they use to reduce the
flight loads data from the actual flight load surveys
(8,12}

The final assignment of a fatigue life(sometimes
called a safc retirement life) cften depends on
proven engincering judgment [8.9,14].  Most
manufacturers recognize that the P/M rule has often
been shown to predict unconservative fatigue lives
{4,14] because of such phenomena as load sequence
interaction cffccts and the fact that loads below the
socalled  cndurance  limit  often  produce
nonpropagating cracks that can become damaging
2gain  when  large  compressive  loads  are
experienced. Because  of  this,  various

manufacturers also use a reduction factor on the life
calculated by the P/M rule [10,14].

3. CURRENT DESIGN REQUIREMENT

The intent of this section is to review some of the

aspects of the new "six nines" reliability U.S. Army
design requirement on the fatigue life of dynamic
compents. As stated previously this requircment
was implemented in the middle of the decade of the
1980's in order to help quantify the overall risk
associated with a given components fatigue life.
Prior to this requircment the studies of Jacoby [4}
and the AHS pitch link problem of 1980 [5} had
shown that the safc life approach using the P/IM
rule to calculate fatiguc life was frought with
difficultics.  Some of these difficultics come from
the inability of the P/M mle to handle such
phenomena as the affects of load intcractions on
fatigue damage progression. While othcr problems
stem from the fact that different manufactures will
mherently choose different procedures in handling
the varous ingredients that are needed in
calculating the fatigue hfc(ie. reduction on mean
S/N curve to a design allowablc curve). The six
nines reliability requirement and the associated
concerns about implementing such a philosophy
resufted in cstablishing a round robin in 1988
mvolving the US. Army Systems Command, now
called the Aviation and Troop
Command(ATCOM). and the US. rotorcraft
industry.  This study was undertaken by the
Ameri-an Helicopter Socicty(AHS) Subcommittec
for Fatigue and Damage Tolerance. The intent of
this section is to cxamine somc of the computational
methods neccssary to determine fatiguc life as a
function of reliability by reviewing some of the
pertinent aspects of the 1988 AHS round robin
115).

3.1 Round robin discription  The objective of the
AHS reliability round robin was to do morc than
Just cstablish a consistent reliabitity analysis. Other
objectives were to evaluate how the different U.S.
rotorcraft industry mwthods n dcfining fatigue
strength would affect reliabality calculations as well
as to examine the issue of fleet versus individual
aircraft  component  replacement. A further




objective of the exereise was to contend with the
probabilistic complexities associated with defining
loads variability to demonstrate the benefits of
loads monitoring for achieving six nincs reliability.
The problem as posed, assumed a normal
distribution for fatigue strength under precisely
defined cyclic loads and a normal distribution for a
simple loading spectrum so that fatigue lives could
be calcualted to six nines reliability.  Of course in
actual design practice the probability distribution
that best described the flight loads and components
fatigue strength would have to be determined(i.c.,
normal, log-normal, etc.). In order to address all of
the above issues the round robin was divided into
three phascs. In Phase I, the provlem was defined
such that only one numerical answer was correct.
Phases II and III were sct up so that the experience
of individual contributors could show how
differences in assumptions affccted the results
Table 4 lists the round robin participants and their
appropriate identifier codcs.

Phase I - Idcntical Methods and Inputs. In Phase |
of the exercise, a1 fatiguc-related variables were
strictly controlled to insure that the participants
developed consistent solutions for fatigue lives at
the prescribed reliability.  For computational
purposes, a mathematically defined S-N curve was
provided in tcrms of stress range, S; and fatigue
limit (fatigue strength at very large loading cycles),
Se. for a stress ratio R=0. The loading spectrum
used in this round robin was the standardized
helicopter load spcctia called Felix/28 [16). To
illustrate trends due to cverall spectrum severity, a
baseline spectrum level was established and other
spectrum severitics were created by multiplying all
loads in the spectrum by a scaling parameter called
alpha. To include vanability of loads i the
reliability analysis, the severity of the spectrum was
assumed to have a normal distribution about a mean
severity (or mean alpha) level.  Agam. in design
practice thc probability distribution that best
described the spectrum severity would have to be
determined. It is important to recogmize that tlis
was a theoretical exercisc and that alpha was
inteded to be a mathematical artifice used to
simulate changes in the baseline spectrum which
account for differcnces in usage, pilot techmque,
weather, vehicle configuration, etc. Thus, for the

purposcs of this exercise, alpha is an operational
variablc that combines both usage and loads
variability to discriminate in mission intensity. All
of the items just listed that could affect the load
spectrum(pilot techniquc, etc.) would have to be
considered when  choosing  the  probability
distribution that would best describe thc load
spectrum,

Based upon these fatigue strength and spectrum
loading definitions, the following three problems
were proposed and solved by the AHS round-robin
participants.  For all three problems, it was
assumed that fatigue strength was normally
distributed about the fatigue limit with a 7%
cocfficicnt of vanmation (COV).  Also, for the
purposes of the round robin, it was assumed that:
(1) Palmgren-Miner's linear damage rule was valid;
and (2) Goodman corrections needed to convert the
applied stresses to cquivalent-damage stresses at
R=0 were valid.

Problem 1. Assumed that the loading spcctrum
docs not vary. Fatigue lives werc calculated for the
mean, mean-3o, and mcan-5c  fatiguc strength
curves using the Felix/28 loading spectrum factorcd
by determunistic mean values of the fleet sevenity
paraneter, alpha. betweer 0.3 and 0.9.

Problem 2. Assumcd that the loading spcetrum
severity parameter, alpha, 1s normally distributed
with a 7% COV. The fleet fatigue fatigue lives at
six nines reliability were calculated for mean valucs
of alpha between 0 3 and 09

Problem 3. Assumed that the scverity paramcter,
alpha, for a subset of helicopters (or individual
aircraft) had a normal distribution and could be
nicasurea to withm a 3% COV. The six nincs
rcuability fatigue lives for the subsct of aircraft
over a range of alphas were to be calculated. It was
further assumed that the mean alphas of the subsets
in the fleet were normally distributed with a 7%
COV and the mean fatigue lives at six nincs
rehiability for a fleet mean alpha of 0.6(0.85 for
Phase I1) were to be calculated.

One of the possible future activitics of the AHS
Fatigue and Damage Tolerance subcommittee is to
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investigate the effects of differcnt COV's on the
reliability calculation as wcll as to address the issue
of what value should these COV's be for various
componcnt and material combinations.

Phase II _Indcpendent Methods and lnputs. In
Phase I, the same S-N curve and fatigue limit COV

were used by each participant. In Phasc I, instead
of using a prescribed mathematical expression for
the S-N curve, the round-robin participants werc
provided six constant amplitude test points which
were mutually agreed to be typical of the six data
points obtained in full-scale helicopter fatigue
substantiation testing. Each participant then used
this data set to develop an independent S-N curve
forrulation, fatigue limit, and fatigue imit COV.
The three problems in Phase I were solved again to
compare the effects of cach participant's choice of
S-N curve.

Phasc Il Spectrum Fatigue Tests.  In addition to
the constant amplitude  tests,  AVSCOM's
Aerostructures  Directorate  (ASTD). now the
Vchicle Structures Directorate(VSD) of the Army
Research Laboratory(ARL), conducted spectrum
fatigue tests using the Felix/28 loading spectrum
over a range of alpha values. The measured alpha
versus life curve was uscd to assess the accuracy of
a cumulative damage model and a fracture
mechanics modcl for predicting the  measured
spectrum fatigue lives.  Each participant compared
the mean life predictions from Phase 11/Problem |
to the spectrum fatigue test results

3.2 Reliability analysis  This scetion explains the
solution methods used to answer the three questions
postulated for the round-robin exercise. Problem |
does not address reliability but was included to
assure that all participants properly accounted for
loads (alpha) scaling and the Goodman correction
when calculating the fatigue life. Problems 2 and 3
were intcnded to address the probability of failure
(POF) for a given distribution of fatigue strength
and applicd loading  The results were to be
presented in tcrms of reliability or the probability of
no falure, (1-POF). Thus, the six nines relability
requirement is equivalent to one failure in a nuitton
for each major component in the hfe of the
helicopter fleet.  An underlying objective of this

analysis was to demonstrate the advantages of load
monitoring for achieving six nines reliability using
the results of Problems 2 and 3. Sec the description
of Problem 3 latcr in this section for an explanation
of how load monitoring lielps achieve six nines
reliability throughout the fleet. The solutions to
thesc problems are presented and discussed in a
later section of this paper.

Problem 1. As mentioned earlier, the S-N curve
shape, the ultimate strength (180 ksi), and the
fatigue limit stress range(40 ksi) were prescribed in
Phase |. Figure 2 shows the S-N curve formulation
as plotted on a log-log scale. Based upon this
straight line definition, the fatigue life equation can
be written as

N = 500000(S; - S 151785 s >, (1)
and
N=1015, s <5, )

Recall that the cocfficient of variation on the
fatigue limit was assumed to be 7%. It was further
assumed that the standard deviation at the fatiguc
limit also applics to the fatiguc strength
distributions at all points on the S-N curvc. In
other words, the fatigue strength standard deviation
was assumed to be constant. The alpha versus
faugue life curves for the mean, mean minus three
sigma, and mcan minus five sigma fatiguc limits
were computed using the Palmgren-Miner lincar
cumulative damage model which was discusscd
previously.  The calculation of a mean minus three
sigma fatigue life, provides a reliability of 999 with
respect to precisely known loads. The solution
process consisted of four basic steps.  First, the
Felix/28  loading spectrum stresses (mean and
amplitude) were multiplied by the alpha scaling
paramcter Second, the scaled stresses were
adjusted using the Goodman correction.  The intent
of the Goordman correction is to comvert a given
stress mean and range into an cquivalent stress
range which produces equivalent fatigue damage at
R=0 Figure 3 describes the Goodman correction
for the alpha scaled stress mean and range. The
cquisalent stress range, s+ , is definea as




s =a S, s/ (Sy-asy vas/2)  (3)

at the R=0 fatigue life curve for an arbitrary value
of a. Equation (1) is used with S, replaced by sy
to ealculate the fatigue life. Third, for the mean
and the reduced-strength definitions of the S-N
curves, Palmgren-Miner's Rule is used to calculate
the fatigue life for the Felix/28 spectrum.  Fmally,
in the fourth step, o was plotted versus the number
of sequenecs through the loading spectrum.

Problem 2. The purpose of Problem 2 was to
include the variability of fatigue strength and
applied load in the fatigue life ealeulations for six
nincs reliabiiity.  For this problem, both strength
and load were assumed to be normally distributed
with a 7% eocfficient of vo-ation  The probabihity
of failure for particular distnbutions of alpha and
strength was considered to be a jomt probability of
oceurrenee problem. Joint probability distributions
associated with two random vanables are discussed
in referenee 2. The normal distribution curve or
probability density function. as depicted in figure 4,
is used to calculate tne probability that a value of
the parameter (strength or load) exists m the
interval between zp and 24y The product of the
fractional or interval probabilitics for load. AP (u)
and strength AP (S) defines the jomnt probability
that both oceur snmulnnwus.\ Thus, the jont
probability was given by

APjj(a.S) = APj(a) + AP 1(5) )
This problun was solvud nummwll\ by creating a
Jjoint probability matrix for normal distributions of
alpha and strength, as illustrated in figure 5 These
normal distribution curves lor alpha and strength
were divided into 50 wuform ncrements lrom
minus five sigma to plus five sigma about the mean
A scnsitivity study verified that 30 increments gasve
results to within 2.5% of the converged solution
which required 200 increments.

The procedures which were discussed in Problem
1 were used to compute the Tatigue lile, N, jla S).
for each combination of alpha and strunglh m the
joint probability matrix ~ Thus, there s an
associated fatigue life for cach clement i the jont

probability matrix. The reliability is ealculated by
reordering the IAP i(@,S), Nj (a S})] pairs from the
smallest life to the largest Ilfe The re'mbiliiy at
any speeificd fatigue life is the sum of all values of
in the array above that value of life. Figure 6
presents an ¢xampie of this eumulative joint
probability versus fatigue life.  As indicated in
figure 6, the safc retirement life (or a POF =
0.000001) ean be casily ealculated by interpolation.
This proeess is repeated for ¢ach mean alpha from
0310 0.9 It turns out that only the shaded regicn
of the joint probability matrix in figure 5
contributes to the calculation of six nines reliability.
Thus, the number of computations needed to obtain
six mines reliability is only about one-cighth of the
2500 load and strength combinations.

There was another method used in the round robin
by several participants which gave essentially the
same answers as the numerical joint probability/life
matrix approach.  This alternative mcthod was a
closed-form solution which uscd the following ideas
and procedures. Each alpha-sealed and Goodman
corrected applied stress range sr in the loading
spectrum was assumed to be normally distnbuted
with a mean value given by equation (3) and a COV
equal to the alpha distribution COV.  Furthermore,
because Sr' and S, arc assumed to be normally
distributed, the S-N curve in equation (2) was
defined n terms of a new vanable, , ¢ = (sr' - Se)
whieh was also assumed to be normally distributed
with a mean, ¢,,. and a standard deviation, S

The S-N equation became

N = 500000()-1 31785 450 %)
In the limear damage fraction (WN), n was defined
for cach stress range m the loading spectrum. The
damage that was exceeded with a POF equal to
100 (or six mines reliability) at caeh stress range in

the spectrum was determined by using equation (5)
to caleulute N when

&=y + 475 c¢) (6)
where,

¢ = (Sr'm 2 SL‘HI) and 0'4.. = (Csrz + USCZ)I/Z'
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Finally, the safe retirement life was computed as the
reciprocal of the total damage in the loading
spectrum.

Although this alternative method has produced
answers which are close to those ealeulated by the
"matrix" method, the two methods have not been
shown to be theoretically cquivalent. One of the
differences between the "matrix" method and the
closed-form method ean be attributed to differences
between the normal population statistics for alpha
and Sr" While the alpha-scaled stresses have the
same COV as alpha, the alpha-scaled and
Goodman-correeted stresses (sp ) do not. There was
no attempt in the current study to evaluate the
limitations of assuming the same COV for alpha
and Sr' on the accuraey of the results. However, the
closed-form mcthod does require much  less
computation than the "matrix” method and both
approaches were used in the round robm.

Problem 3. Problem 3 was posed to help exanune
the difference between the safe retirement life for
the entirc fleet and the safe retirement life based on
individual aircraft usage. If the measurcments
necessary to determine alpha could be made with a
3% COV, then significant maintenance cost savings
could be achieved from the longer mean retirement
life. This probelin is an application of the theorem
of tetal probability where the total fleet has a
normal distribution of alpha with a 7% COV. The
measurement crror on cach mdividual aircraft was
assumed to have a normal distribution with a 3%
COV. The solution of this problem consists of two
steps. First, the safe retirement lives are caleulated
for cach incasured alpha  Tlus step is the same as
Problem 2, cxcept that the alpha variation has a 3%
COV instead of 7%  Sccond. the mean safe
retirement life, Npo.an. is caleulated for the
prescribed mean alpha using the nmwthod of
conditional expectation {17] and is expressed in
integral form as

Nmean = Nship(@) * fiec(@) du (7N

where Ngjjin(a) is the individual ship six nines life
for a 3°6 COV on applied loads and fyyeqla) is the

flect probability density function for a 7% COV on
the mean a.  For this problem Npenn was
calculated using a diseretized form of Eq. (7) given
by

Nmean= X Nship(@) * Pheer(@)  (8)

where Nship(a) is computed for a 3% COV on
applied loads and Ppeer(@) = ffeer(a)*Aa is
comnputed for a 7% COV on the mean a. Figure 7
shows a graphical representation of this process.

3.3 Round robin results The results of all three
phases of the reliability round robin exercise are
presented in this section.  Only a portion of the
results will be presented.  Sce reference 15 for the
complete sct of results.

Phase | - ldentical Mcthods and Inputs. In Phase I,
all participants used the same S-N eurve, speetrum

loading sequence, and statistical parameters in
solving the three problems.  Table S presents the
fatigue live for Problem 1 for the mean strength for
all participants.  Table 6 gives the mean minus
three sigma and mean minus five sigma strength
predictions only for the VSD solutions.  All of the
other participants solutions for this problem were
similar.  Tables 7 and 8 present the fatigue life
calculations at six nincs reliability for Problems 2
and 3, respectively.  Fatigue lives in the tables are
given in terms of the number of passes through the
loadiug spectrum. For Problems 2 and 3, the first
numbers tabulated were ealculated using the joint
vrobability/life matrix approach while the numbers
in parentheses were caleulated using the closed-
form method.  The results from Phase | confirmed
that all participants could calculate about the same
answers for all three problems when the S-N curve
formulation, loading spectrum, and  statistical
parameters were identical. The small differences in
fatigue lives calculated by the participants can be
attributed to two possible sources.  First, different
answers would occur if the particapants used
different  sizes of  incremental  sigma's(sce
description of Problem 2 under Reliability Analysis
section) in summing for a given level of probability.
Sccond, the type of numerical integration method




used in summing for a given level of probability
would also give slightly diffcrent results.

Recall that Problem 2 was set up to calculate
fatigue lives at six nines reliability without any
knowledge about loads on individual aireraft. On
the other hand, Problem 3 assumed that loads (or
alpha) could be measured on cach aircraft and that
the measurement error has a 3%COV. Ccmparing
the fatigue lives at six nines reliability between
Problems 2 and 3 may provide somie measure of the
benefits of loads monitoring. For Problem 3, the
calculated six nines reliability fatigue life at a mean
alpha of 0.6 was about 4.2 times greater than the
six nines fatigue life calculated for Problem 2.
Thus, this 4.2 factor could also be used to quantify
potential cost savings if retirement lives could be
inereascd through loads monitoring.

Phase Il - Independent Methods and Inputs  In
Phase II, cach participant used the constant-
amplitude test points provided by VSD to develop
an independent S-N curve, fatigue int, and fatgue
limit COV. The form of the fangue life cquation
was given as

N=A(S-S,)B ()

where A and B are eurve fit parameters. Table 9
presents the parameters from cquation (9) and the
fatigue limit COV which were used by each
participant. Table 10 gives the Phase 11 fatigue life
results for Problem 1 in wrms of the number of
passes through the loading spectrum for the mean
strength . Ses reference 15 for the complete sct of
results. As expected, there were differences in the
fatigue lifc predictions.  The most significant
contributor to these differences appears to be the
value of the fatigue limit which was determined
from the given constant-amplitude fatgue data.
Figures 8 and Y mghhgnt come of these ditterences
for Problem 1 at alpha's of 07 and 10,
respectively.  For alpha equal to 07 (fig. 8) the
mraximum dfference in filimue 4o prodivirols &
seen to be almost a fagtor of 3U Howewer. for
alpha equal to 1.0 (fig. 9) the maximum difference
is less than a factor of three. In terms of current
analytical standards for fatigue lifc predictior
factor of four difference is considered

recasonable. At an alpha of 0.7, many of the loads
are below the fatigue limit and small differences in
the fatigue limit could result in large differences in
the predieted fatigue life. As seen from Table 9, the
fatigue limits used by the participants differed by
almost 20 pereent.  The results are consistent with
this reasoning in that the longest fatigue life
predictions (fig. 9) were caleulated by using the
highest fatigue limits (Table 9). At the higher
alpha's, more¢ of the loads were above the fatigue
limit and contribute to fatigue damage. Thus,
according to Miner's Rule, less scatter in the fatigue
life predictions should be expected, as shown in
Figure 9.

Besides the effects of fatigue himit on mean life
predictions, the manner in which fatigue strength
reductions are applied will eontribute to the scatter
in life predictions.  Reeall that in Phase | the
staustical variations on strength were based on a
constant standard deviation and not a constant
cocfficient of variation. In Phase II, some of the
participants based the strength reductions on a
constant COV and not a constant standard
deviation  Assuming all other parameters equal, the
predicted fatigue hives would be shorter when using
a constant COV to account for strength variability.
Another slight difference in the staustical analysis
was the use of a log-normal distribution for strength
by one of the participants. The six nines reliability
results from Problem 2 show larger differenees
among the participants than do the mean fatigue life
results of Problem 1. One cause for these
differences appears to be the magnitude of the
fatngue limit COV that was used.  In addition, the
differences at higher o values may be attributed to
the use of a constant COV rather than a eonstant
standard deviation

Tubles 11 and 12 show the Phase 1l fatigue hfe
predictions at six nnes rehiability for Problem 2 and
Problem 3, respectively. Again, for Problems 2 and
3 the first numbers  represent  the  joint
probabihin/biC mtrix approach while the numbers
m parentheses represent the closed-form method.
Figure 10 shows some of the differenees in the six
nmes fatigue lives for Problem 2 at an alpha of 0.6.
The maximum difference between the predicted
“tigue lives at six mnes rehability was almost a
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factor of 60. s is about twice the __atter that
was obtained in rrohlem | for the mean fatigue life
predictions. Comparing the ratio of fatigue lives
between Problems 2 and 3 at mean alpha's of 0.8
and 0.85, shows i=creases in fatigue lives at six
nines reliability fro .« «3 low as 1.8 to as high as 40.
Again, the fatigue ! “alue and the method used
for fatigue strength @ uction (constant standard
dewviation versus cor:i: it COV) may account for
these differences.

Phase Il Spectrum 1 “.gue Tests. In this phase,
each industry partieipri s used their standard lincar
cumulative damage methodology and the mean S-N
curves derived from the Phase 11 constant amplitude
fatigue tests to caleulat mican spectrum fatgue
lives. [In addition to this approach, VSD used a
fracture mechanies approach to calculate mean
fatigue lives. The fracture mechanics approached
used by VSD is explained i the following section
on Possible Future Design Practiees.  Table 13
presents thesc mean tatigue life ealeulations at the
same alpha's used to conduct the spectrum tests.
Figure 1! shows a comparison between the
spectrum test data and the round-robin predictions.
Although all the predictions are greater than the test
lives, the predictions are within a factor of 4
differences.  The relatnely small scatter among
predictions is consistent with the Phase 11/Problem
2 predictions for @ >1. Also presented mn figure 11
are the round-robin predictions for fatigue lives at
six nines reliability from Phase l/Problem 2. One
clear observation is the larger vanation in six nmes
reliability predictions for alpha values less than one.

3.4 Round robin conclusions The purposes of
the AHS reliability round :obin were twofold
First, it was intended to develop the logic for
performing a reliability analysis for fatigue hfe
prediction. Phase 1 was set up so that only one
answer was correct and the results for cach
participant were compared to assure that a
consistent approach was used. Sceond, in Phases !l
and III the participants applied the same logi: but
used their company's standard fatigue methocology
to solve for six nines reliability  The intent of these
two phases was not to prove that any ci.c answer
was “right" or "better” but instead to find out what
contributed to the differences.

One of the conclusion of the reliability round robin
was that the two major contributors which affected
the results were the S-N curve formulation and the
method used for strength reduction. This was also
a conclusion or the 1980 AHS pitch link round
robin. One of the questions which was raised as a
result of this round robin was whether the COV or
the standard deviation remained constant over the
S-N curve. In Phase 1, all participants used a
constant standard deviation to solve the fatigue lifz
and reliability problems. However, in Phase Il
some participants used a constant standard
deviation while others used a constant COV. There
15 a real need to establish a uniform methodology
for dewveloping S-N curves and cocfficients of
variation.

Some aspects of the probabilistic approach to six
nines reliability were not explored in the reliability
round robin. There was no attempt tc incorporate
confidence levels. By definition (and intent) the
problems in the round robin were based upon a
50% confidence level. The aim of the excereise was
to develop a methodology which ineluded loads
variability  but restraiied the fatigue analyst's
freedom  to  manipulate  conservatisms in  the
measured loads  The need to include confidence
levels 1s a topic whieh may require further
evaluation .“.nother prrpose of this exereise was to
try and quanuty  the  benefits of individnal
component replacement versus fleet replacement.
The alpha parameter was devised to account for
loads vanubility in the reliability analvsis.  While
the results showed the potential for increasing mean
reurement hives through loads monitoring (with
comniensurate reductions in eosts), no attempt was
made n this first round robin to scparate usage
from other sources of vanability in the loads.
Additional study 1s needed to examine how usage
should be treated to  properly account for
operational varnability .

All ¢f the questions brought up by the round robin
affimed that much more work is needed before
reliability-based fatigue design becomes standard
industry practice.  The round-robin results did
demonstrate that consistent reliability-based design
cannot be implemented without the eooperation of

@



all the rotorcraft industry. In addition to the study
areas already mentioned, the reliability round robin
further suggested that follow-on cfforts to this
round robin are needed to:

(1) Extend the statistical and rcliability analysis
complexity to account for both usage and other
sources of load variability, and to assss reliability
versus confidence levels. I current flight data
recorders largcly monitor usage, what docs this
imply for load aceuracy and the merit of individual
part replacement?

(2) Apply the reliability methiodology to metals
using a damage tolerance or fracture mechanics
approach.

(3) Repeat the P-M and TLA approaches on other
metallic matcrials with different ultimate strengths
and stress concentration factors 1o develop
confidence in the fatigue reliability approach.

(4) Evaluate the cffects of coupon versus full-scale
testing on data scatter.

(5) Invcstigate flight loads survey methodology to
better define the vanabilities of usage and pilotage
(simulated mission flights versus  mancuver-by-
maneuver flights).

(6) Extend the reliability-based
methodology to composites.

fatigue

Several other sources of work on fatigue life and
reliability nced to be noted.  Two independent
sourccs havc stated that the six nines rehabibity
design requirement docs not scem to be possible
with the safe-life approach of fatigue life predicuion
(18,19]. One of the sources |18] shows that the
large reduction required in the fatgue endurance
limit in order to met "six-nnes” would plice a
sevcre weight penalty on the component. The other
source [19] uses an example problem on a puch
horn and states that only three-nines rehability can
be achieved using a safe hfe approach. In the case
of the pitch horn cxample problem, a redesign of the
pitch horn from a single-load-path to a dual-load-
path design, showed the dual-load-path pitch horn
to have a reliability of nimc-nines with a first
inspcction interval of 1450 flight hours  The dual-
load path dcsign was about 12 % heavier than the
single-load-path safe-life design.

Sensitivity  studies  concerning  the  assumed
probability density funetions(PDF) chosen to
represent the flight loads and fatigue strength of the
component, have shown that for even almost
undetectable differences in assumed PDF's high
reliability cstimates can vary substantially [20].
Further work by the same researchcs has stated that
cven a small amount of uncertainty in the safe life
fatigue model can result in a substantial reduction
in high reliability values for the specified lifetime of
a component [21,22].

Tlic work just sited in reference 18 and19 and the
several questions and follow-on studies suggested
by the AHS reliability round robin only continue to
reinforce the fact that it will take a cooperative
cffort from both the procuring agencies and the
rotorcraft industry before a reliability-based fatigue
design can become a standard industry practice.
Much of the ongoing cfforts of the AHS
subcomnutte on Fatigue and Damage Tolerance is
aimed towards deveolping  a cooperative cffort of
all parties involved in the design and procurement
of rotorcraft..

4. FUTURE DESIGN PRACTICES

The AHS subcommittee on Fatigue and Fracture
Mcchanics is currently studying the application of a
fracture mechanics approach to fatigue life design
of rotorcraft This is part of the follow on activitics
of the rehability round robin that was just reviewed.
In the paper by Krasnowski | 23] it was concluded
that a damage tolerance method was more suited to
a sin-nines reliabibty fatigue hfe design approach
than the safe hfe method  Krasnowski further
stated that a fatigue hife prediction model that took
into account the fact that the damage process
originates  from microscopic features, such as
metallurgical impurites, would lead to a better
procedure for evaluating a reliability fatigue life
method. A damage tolerance model based on the
crack closure phenomena where the total fatigue life
1s calculated using crack propagation as the entire
fatigue process has been developed by Newman
[24] . Onc of the wmique features of this model is
that the fatigue cracking process is considered to
start from meturlurgical features such as inclusion
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particles. In a study done by Swain et al. [25]
these meturlurgical features were shown to be on
the ordcr of 0.0006 inches for 4340 steel.  This is
quitc a contrast in size compared to the more
traditional damage tolerance approach which uses
an initial crack sizc of 0.05 inches for comer cracks
cmanating form a hole to calculate a safe inspection
interval [26].

The more traditional damage tolerance approach

which calculates  safe  nspeetion  intervals,
calculates these intervals by integrating a crack
growth rate wversus  stress  intensity  factor
relationship ke

da/dN = C (AK)yM (10)

where da/dN is the crack growth rate. AK is the
stress intensity factor range, and C and m are eunve
fit parameters.  The main d.fference between the
total life analysis(TLA) and the more traditional
fracture mechanics approach is that crack-closure
concepts are used to define an effective AK and the
initial crack length was determined from a previous
"small" erack study on 4340 steel [25] From crack-
closure considerations, AK in equation 10 s
replaced by AK effective The effective stress
intensity factor is usually defined as

AK 1= (Spay - So) ()12 F ()

where Sy is the crack-opening stress as calculated
from the analytical closure model developed by
Newman [24] and F is the boundans correction
factor which accounts for the effects of structural
configuration on the stress mtensity factors To
calculate the crack growth rate. cquation 10
becomes

da/dN = C[(Sax-Sy) (r ) /2 FM (i2)

Total life is caleulated by numeric.dly mtegrating
cquation 12 from the mtial crack length. 4, . to the
final crack lengah | ag . where g; is the imnal crack
length as determined from the small crack studies
and ag is the final crack length at failure  Cicles
are summed as the crack grows until Ky = Ko o
where K is the fracture toughness When Ky ¢ =

K¢ , the summation of the load cycles, N, becomes
the total fatigue life.

The total fatigue lifc as determined by the TLA
method was calculated from a computer algorithm
developed by Newman.  For this study the initial
erack length used to predict the fatigue life was
0.0006 inches . This value was taken from a small
crack study on 4340 steel [25) in which initial
defect sizes at 34 erack initiation sites were
evaluated by scanning clectron microscopy of the
fracture surfaces. The largest valuc was about
0.002 inches, the median value was about 0.0006
inches, and the smallest was about 0.00008 inches.

For the AHS rehability round robin fatigue tests
were run on 4340 steel specimens at a tensile
strength of 212 ksi. The specimens were onc inch
wide and had an clastic stiess concentration factor,
K. of 2 42(bascd on net section stress). Figurc 12
shows the results of these tests as well as the
fatigue life predictions from the TLA analysis and
the a nomina! stress P/M rule analysis. As it can be
seen from Figure 12 both the TLA and the P/M
analysis predicted the trend of the test data very
well. Neither of these analysis employed any
probabilistic considerations. The S/N curve used
for the P/M analysis was based on a mean
regression line of constant amplitude tests at a
stress ratio of zero [27). Both analysis predicted
fatigue  lives  which  were  slightly  on  the
unconservatine side of the test data.  If cither of
these two life prediction methods were used for
predicting the design fatigue life of a rotorcraft
component. some type of reduction would be taken
from the calculated mean life as stated earlier.
Figure 13 shows life prediction curves for both of
these methods with a reduction factor included to
simulate design allowables.  For the TLA analysis
the hves were  caleulated  using  the  largest
metullurgical feature found in reference Swain,
While this design allowables curve predicts live on
the conservative side of the test data, it predicts an
endurance linnt between 40 and 45 ksi which is
nommally 20 ks1 less than the 80% P/M design
allowable value and 25ksi less than the one runont
test To place m perspective the effect of using the
current tradittonal damage tolerance initial crack
size(0 05 n ) on predicting total life, a curve from




these calculations is also shown in Figure 13. Very
conservative lives would be predicted using the 0.05
in. inmitial crack size.

As a result of P/M analysis predicting lives fairly
well for the test lives under the Feli/28 spectrum
loads, additional test wcre run on 4340 steel using
the standcrdized fixed-wing load spectrum called
Minitwist [28].  Since this spectrum is often
thought of as a highly load interactive spectrum,
the test lives from this spectrum should prove
difficult for thc P/M analysis. The results of these
tests and the TLA and P/M analysis are shown in
figure 14. For tests above the endurance limit the
TLA analysis predicted practically the same lives as
the test data while the P/M analysis predicted test
lives that were again slightly unconservative.  One
possiblc problem with the P/M rule as used m the
past was the lack of an adequate load counting
tcchnique.  With the advent of the ramflow
tecchnique some the problems caused by load
counting inadequacics may be lessened

Other studics done by Newman ct. al. [29] have
shown the TLA analysis using small crack
considerations to work very well for other metallic
materials such as 2024-T3 aluminum. 2040-TRE-HN
aluminum-lithium, and Ti-6Al-4V titamum  Before
a method like the TLA analysis will replace un
industry standard like the P/M rule work will have
to be done in predicting the fatigue hves of actual
aircraft size components. 7o this end a rather
exhaustive amount of work is being done in the
United States using the TLA analysis - crack
growth and life predictions i the studv of uginy
aircraft,

One study conducted by Sikorsky Aircraft towards
studying the possiblitics of hife managing rotoreraft
using a damage tolerance approach{DTA) is worth

noting [30f. Sikorsky evaluated the possible use of

the damage tolerance approach for several dyvnamic
components of the 1HH-33  helicopter  The
componcnts studicd were considered to be among
"the most difficult for aclicving damage tolerant
management " These parts were from the man
rotor and tail rotor hubs as well as some wrframe
structure. The results showed that if a DTA was
used on these selected components reliable detection
of cracks as small as 0 005 to 0 010 mches would
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have to be established. Furthermore, conservatisms
such as using 95% of maximum vibratory loads
could not be used. Further requirements included
"improved stress intensity models for steep stress
gradients, verification of stresses and crack growth
behavior in  threads, and additional crack
propagation rate and threshold data for(so-called)
small cracks(<0.020 inches).”

Another deficiency noted by the DTA study done
by Siksorsky was the lack of usage data for the
HH-53 helicopter.  The lack of usage data is a
general problem that aftects the reliability of fatigue
life calculations rcgard'ess of the fatigue design
method used.  As noted by Lincoln in reference 31
reliable usage data perfosms at least two functions.
First it will allow an assecment of how pilot
teclwiques may influcnee the actual life calculations
by quantifying the difference in flight loads and
usage between the experienced flight test pilot and
the total pilot population. Sccond, it will help the
rotoreraft owner to recognize when the usage of a
fleet or individual rotorcraft have changed thus
requiring  possible  modifications  to  their
maintenance actions.  The usc of usage nonitors
will probably be driven mostly by economic
consideratrons.  However, as stated by Lombardo
{14] "usage momtoring is a field that will grow in
the next few years as operators and manufacturcrs
strive to reduce helicopter operating costs without
compronusing safety.”

In the late 1970' the U.S. Army developed under
contract a flight recorder known as the Structural
Integriuy  Recording System called  SIRS  {14].
However, this system was not put into service. In
the carly 1990's the U S. Navy developed a system
cilled the Structural Data Recording Sct(SDRS)
{14]. Tlus system is currently being tested on an
AH-IW Cobra  The systems are intended for
production mn 1993 with installation planned on all
Navy fixed and rotory-winged aircraft. The U.S.
Air Force also is developing a usage monitor for the
HH-53 hehicoper under a contract with Sirkorsky
Aircraft [30]

The development of a rather uniquc usage
momtoring system was started by the US  Army
Venele Structures Directorate(VSD) of the Army
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Research Laboratories(USARL). The intent of this
device is to be a low eost system that is small and
requires very little hands-on maintenanee from the
operator. The low eost of the device will aliow it to
be placed fleet-wide thus maximizing the amount of
usage data that will be gathered This should
provide the amount of data that is needed In
reliability analysis. The basic concept behind this
deviee is to compare the actual type of manever
being flown with the design mission spectrum which
is usually the 95th percentile spectrum.  If the
manevers actually being flown are less severe than
the 95th pereentile mancuvers than the recorder
known as MIC (Mission Intensity Counter) will
indieated that additional lifc beyond the desigu hfe
is possible. Of course the reverse is true in the
manuvers being flown are more severe than the 95th
percentile design mancuvers.  The basic concept of
the MIC depends on identifyving the mancuver being
flown with as few flight parameters as possible.
Before a prototype of the MIC can be built scveral
data recognition features need to be addressed.
Among these are determunng what s the mummum
number of mancuvers that need to be udentificd by
the MIC in order to be able to determune 1f the
design life can be modified. The current status of
the MIC's development is given in reference 32

5. SUMMARY

Methods used for calculatng the fatigue hie of
rotorcraft in the past(determunistic safe lite). current
(six nincs reliability for safe life). and possible
future design approaches have been reviewed. Past
practices were addressed by reviewmg the AHS
pitch link round robm of 1980. The principle
causes of the large differences m faugue hfe as
calulated by the several participants has been
shown to be the shape of the S/N curve used be
cach participant and the reduction factor used on
the mean fatigue endurance linut to et the design
allowable.  Current fatigue design requirements
were illustrated by reviewmng the 1989 AHS
rcliabitiaty round robin which sought to address
some of the issues involved in establishing a six
nines relability  fatigue fe.  The two major
contributors which affected the results of tlus round
robin were the same as the pitch Iink round robin
Another conclusion of this round robin was that

loads monitoring could inerease rotorcraft mean
retirement  lives. Future rotoreraft design
procedures were shown to include the possiblity of
calculating totle fatigue life using a fracture
mechanies model that used only erack propagation
eonsiderations. The need for load monitors was
also addressed and several efforts to develop these
were noted.
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Condition

1. Hover-1GE

2. Ascent

3. Level flight
s 04Vy
b. 0.6 Vy
c. 0.8VYy
d. 10vVy
e 12Vy

4. Pullup (2.0g)

S. Pushover (0.5g)

6. Turns
a. Right
(1) 1.5¢
(2) 2.0g
b. Left
(1) 1.5g
(2) 2.0g
7. Descent

a. Partial power descent

Table . Pitch link mission spectrum

b. High speed dive (1.2 VH)

Flight
Condition

Hover
Ascent

LF 0.4Vy
LF0.6Vy
LF0.8Vy
LF 1.0vy
LF 1.2Vy
rU2.0G

PO 0.5G
RT 1.5G
RT 2.0G
LT 1.5G
LT 2.0G
PPD 1
HSD1.2Vy

Flight

— et gt gt gt Pt R ™

0.75
0.50

0.75
0.50

Percent Time

4.25
18.50
54.25
2.40
5.00
23.95
20.50
2.40
1.00
2.00
2.50
1.25
1.25
17.50
17.00
0.50
100.00

Table 2 Flight Loads Data

Event Time
(sec)
1 2
2 10
3 2
4 2
5 2
6 2
7 2
8 9.7
9 10
10 10
1 10
12 9.9
13 10
14 10
15 10

Cylcles

11.25
54.5

10.7
10.7
10.8
10.76

10.7
52.25

53.95
53.95
54
54
54.5
54

54

CPS

5.63
5.45

5.36
5.36
5.4
5.38

5.36
5.39

5.4
5.4
54
5.45
5.45
54

4

Max Min Sidy Alt

-80

1380
910
980
1070
1270

2000
2134

1800
2147
2236
2150
1932
1340

2352

-850 -435
0 690
-460 225
-640 170
-680 195
-710 280

-520 740
-1319 406

-400 700
<1254 447
-1376 430
-1300 425
-1214 368
-550 395

-1386 483

690

1260
1727
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Manufacturer

Aerospatiale
Agusta

Bell
Boeing-Vertol
Hughes
Kaman
Sikorsky

Table 3. Pitch link endurance limits.

Endurance limit
mean value (Ib)

2176
2100
2061

2106
2024
2101
2100

Endurance limit
design allowable (1b)

1228
1674
1649
1685
1717
1615
1400

Tabie 4. AHS Reliability Round Robin Participants

Organization

Aerostructures Directorate (AVSCOM)
Bell Helicopter Textron
Boeing Helicopters

Kaman Aerospace Corporation
McDonnell Douglas Helicopter Company

Sikorsky Aircraft Division

Alpha

0.3
0.4
0.5
0.6
0.7
0.8
0.9
1.0

ID Code

ASTD
BHT
BH

KAC
MDHC
SA

Table S. Fatigue life predictions for mean strength,
Phase 1/ Problem 1

ASTD

6.2ie9
6.21¢9
14740
171.1
47.8
18.69
3.49
1.03

BHT

170.5
50.0
19.3

3.5
1.0

BH

14900
168.4
46.85
18.42
3.48
1.02

KAC MDHC SA

14700 16236 14895
171.0 175.0 168.4
47.8 48.0 46.85
18.7 19.0 18.42
3.49 3.7 3.48
1.0 1.02

Note: Fatigue lives are in terms of number of passes through the spectrum
(1 pass = 161034 cycles).
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Table 6. Fatigue life predictions for mean minus 3 sigma and mean - § sigma g
strength,VSD values only, Phase I/ Problem 1 X
Alpha Mean -3¢ Mean - 56
0.3 6.21e9 2.67e6
0.4 10850 2149 S
0.5 135.0 44.2
0.6 36.9 5.18
0.7 6.72 .891
0.8 1.36 .209
0.9 .294 .096 °
1.0 17 057
Note: Fatigue lives are in terms of number of passes through the spectrum
(1 pass = 161034 cycles).
[ ]
Table 7. Fatigue life predictions for six nines reliability,
Phase I/ Problem 2
® @
Alpha ASTD BHT BH KAC MDHC SA
0.3 22697 (22663)
(23062)
04 110.7 1114 105.2 162.6 (105.3) °
(105.0) (105.4)
0.5 21.48 2405 2126  (22.3) 236  (22.08)
(22.0) (22.1)
0.6 2.14 223 201 (221) 208 (2.20)
(2.19) 22)
0.7 315 .280 310 (:35) 31 (:35) ®
(.35) (.351)
0.8 .108 112 104 (-114) 11 (.11)
(-114) (-114)
0.9 .056 056 052 (.058) .06 (-.06)
(.058) (.058) .
1.0 035 033 04 (.04)
(.036) (.036)

Notes: 1. Fatigue lives are in terms of number of passes through the spectrum
(1 pass = 161034 cycles). L4
2. Fatigue life values in parentheses were calculated using the
closed-form method
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Table 8. Fatigue life predictions for six nines reliability,
Phase 1/ Problem 3

Alpha ASTD BHT BH KAC MDHC SA

0.6 8.88 9.50  8.67 (8.65)  9.14 (8.90)
(8.60)

Notes: 1. Fatigue lives are in terms of number of passes through the spectrum
(1 pass = 161034 cycles).
2. Fatigue life values in parentheses were calculated using the
closed-form method

Table 9. Phase Il results for S-N curve formulations

S-N Curve BH MDIiC
Parameter ASTD BHT (1) KAC ) SA
A 3.500e6 3.828¢6  1.40e9  1.148¢8 n.a.  3.855¢6
B 1.47164 137 2927 231 na. 1.3699
Se 54.5 49.6 44.75 480 na. 53.56
COV ( Se) 07 109 L0785 0831  na. .10

Notes: 1. Log normal distribution assumed.
2. Round robin S-N formulation not applicable.

Table 10. Fatigue life predictions for mean strength,
Phase I1 / Problem 1

Alpha  ASTD BHT(2) BHI@23) KAC MDHC  SAQ2)

0.5 6.20e9

0.6 190735, 1.59%e6 90356

0.7 38180, 2316.5 10610. 10900. 1934.0 52354.
0.8 1144.0 649.0 1545.3 1760.0 655.0 1418.8
0.9 376.1 288.0 4479 580.0 292.0 449.5
1.0 175.8 121.5 175.8 231.0 80.0 205.6
1.1 82.21 59.2 65.2 87.74
1.2 22.37 203 22.8 22.23

Notes: 1. Fatigue lives are in terms of number of passes through the spectrum
(1 pass = 161034 cycles).
2. Constant COV for strength reduction.
3. Modified Goodman correction.




Table 11. Fatigue life predictions for six nines reliabaility,

Alpha  ASTD
0.3
04 257200,
(217500.)
0.5 1166.
(1088.)
0.6 283.6
(257.6)
0.7 78.06
(79.56)
0.8 12.25
(12.85)
0.85 6.82
0.9 2.88
(3.29)
1.0 924
(1.01)
1.1 468
(.:508)
1.2 288
(314)

Phase I / Problem 2
BHT BH

4786. 17360,
324. 1428.0
42.0 121.2
4.8 18.3

.90 4.28

40 1.73

1.19
25 .878
492
679
.206

KAC MDHC SA

45914, (2744.2)

8140  (326.2)

180.0  (88.51)

190 (10.74)
37 (2.20)
(1.09)
1.2 (.67)
.66 (.39)
(22)
(.15)

Notes: 1. Fatigue lives are in terms of number of passes through the spectrum
(1 pass = 161034 cycles).

2. Fatigue life values in parentheses were calculated using the
closed-form method
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Table 12. Fatigue life predictions for six nines reliabaility,
Phase 11/ Problem 3

Alpha ASTD BHT BH KAC MDHC SA

0.8 3.17 (30.5)
085  25.74 13.55 213 9.14 @7
(25.49)

Notes: 1. Fatigue lives are in terms of number of passes through the spectrum
(1 pass = 161034 cycles).
2, Fatigue life values in parentheses were calculated using the
closed-form method

Table 13. Fatigue life predictions for mean strength, Phase HI.
{Smax = 70.44 for alpkia = 1.0)

Smax  Alpha  ASTD BHT  BH KAC MDHC  SA
73.3 1.04 1347 12149 109.8 38.74 156.1
80.0 L14 51.72 183 375 385 1367 53.7
86.7 1.23 15.3 790 154 1.5 44 15.4
90.0 1.28 9.27 460 932 9.8 256 9.5
93.3 1.32 6.69 288 546 578 185 6.8
100, 1.42 2.48 123 242 249 103 22
120. 1.70 375 38 .48 466 38

Note: Fatigue lives are in terms of number of passes through the spectrum
(1 pass = 161034 cycles).
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FATIGUE MANAGEMENT AND VERIFICATION OF
AIRFRAMES

A.F. Blom® and H. Anselt?

* The Aerc

of Sweden (FFA)

P.O. Box 11021
$-161 11 Bromma, Sweden
# Saab Military Aircraft
S-581 88 Linkoping, Sweden

. SUMMARY

The methodology currently used in “'weden for fatigue
management and verification of airframes is described.
Applications from the new fighter aiicraft JAS39 Gripen
are included in order to illustrate the various concepts
being considered. Additional expenence from recent work
on the older fighter 37Viggen is also included to highlight
certain differences in the detail analyses, stemming from
rather different nominal stress levels in the two aircraft.
The present paper discusses the handling of load sequences
and load spectra development, stress analyses and fracture
mechanics analyses, fatigue crack growth modelling,
component and full scale testing, service load monitoring
regarding both the dedicated test aircraft, which is used to
verify basic load assumptions, and also the individual load
tracking programme developed for the new fighter.

2. INTRODUCTION

While fatigue is recognised as the primary failure
mechanism in most structural components, the
consequences of such failures (in terms of lives and money)
are probably more obvious and severe for aircraft than in
any other area. Fatigue and damage tolerance of aircraft are
dominant factors throughout the design process, the
manufacturing, the structural testing (component level and
full-scale), the initial test flights and during the subsequent
usage of the aircraft. Without adequate knowledge of
relevant loading conditions, resulting stress distributions
and material properties no fatigue assessment can be
achieved. Further on, such work has to be attached to a
specific design philosophy - can the actual component be
inspected during service, in the case of damage - can itbe
repaired or replaced, and in the case of failure, will that
cause loss of the entire aircraft? Questions like these, and
many more specific detail problems, are dealt with in
existing regulations and specifications for military
aircraft, e.g. Refs. (1-9). It is far beyond the scope of the
present paper to discuss these specifications in any detail
(there are also other ones treating, for example, flight and
operations tests, vibrations, sonic fatigue and non
destructive inspections). Instead, the purpose of this paper
is to briefly discuss fatigue management and verification of
airframes, with emphasis on the new fighter JAS39 Gripen
but with specific examples added from work on the fighter
37Viggen. These two aircraft are designed with some 20
years apart, relying on safe life and/or fail safe
methodology for the Viggen fighter but damage tolerance
requirements for the Gripen aircraft which, amongst other
things, lead to significantly lower stress levels than for
the Viggen aircraft. Hence, first order conservative
estimates of stress levels and stress intensity factors are
normally adequate to venify the design life for the Gripen
aircraft while the analytical work carried out to verify the
damage tolerance for the Viggen fighter is much more
refined.

3. DAMAGE TOLERANCE AND DURABILITY

Below we present firstly a short summary of basic
definitions, as they are nommally interpreted in general
terms. Thereafter, we specifically discuss details of these
same concepts as applied to the two Swedish fighters being
under discussion.

3.1 Damage tolerance

Basically, this approach which was developed by the
United States Air Force (9), and which is now adopted with
or without minor modifications by virtually all countries
for both military and civil aircraft, differs from the original
Fail-Safe philosophy in that it assumes cracks to exist in
the structure already at the very first load cycle, Also, a
distinction it made between in service inspectable or non-
inspectable structures. Presently, with the exception ol
landing gear, engines and engine mounts ail fighter aircraft
structures and all inspectable civil aircraft structures are
considered as damage tolerant (9,10). Recently, the damage
tolerance approach has also been introduced for engines
(11-13), and the concept is also considered viable for
helicopters (14).

3.2 Durabillity

While damage tolerance is the principal means to ensurc
structural safety, durability may be considered as a
quantitative measure of the structure’s resistance to fatigue
cracking under specified service conditions. This means
that the economic life-time, inciuding all inspeciions,
replacements or repairs, should exceed or at least equal the
design life based on damage tolerance. The traditional
means to achieve durahility has becn through conventional
fatigue testing and analysis. However, recently a fracture
mechanics philosophy, combining a probabilistic format
with a deterministic crack growth approach has been
devised (15) for ensuring the U.S. Air Force's durability
design requirements for advanced metallic airframes (16)

3.3 Initlal Flaw Size Assumptions

A damage tol analysis implics a thorough
identification of all critical areas with due regard to the
utilisation of the aircraft and the impact of failure.
According to the U.S. Air Force Military Specification (11)
these arcas should be classified either as Slow Crack
Growth, Fail Safe Multiple Load Path, or Fail Safe Crack
Arrest structures. If it is possible to prove that the structure
is Fail Safe due to Multiple Load Paths (i.e. load
redistrihution) or Crack Arrest capabhility, less stringent
conditions have to be satisfied.

As a result of material and structure manufacturing and
processing operations, small impeifections equivalent to a
0.127 mm radius comer flaw shall be assumed 1o exist in
each hole of each element in the structure. The laws are
assumed to be located in the most unfaveurable onentation
with respect to applied stresses and material properties In
addition it 1s assumed that imtial flaws of sizes specified

Presented at an AGARD Meeting on 'An Assessment of Fetigue Damage and Crack Growth Predicion Technigues,

September 1993,
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Ref. (9) can exist in any separate element of the structure.
Only one tnitial flaw in the most cnitical hole and one
initial flaw at a location other than a hole need to be
assumed to exist. Interaction between these assumed initial
flaws does not need to be considered. The flaw shape is
assumed to be through the thickness (straight crack front),
quarter circular or semi-circular. However, other flaw
shapes with the same initial stress intensity factor are
considered appropnate, particularly at locations in the
structure where other shapes are more likely to occur.

3.4 Damage tolerance methodology

1t should be emphasised that the damage tolerance
evaluation essentially is analytical but that sufficient
testing must be performed to validate the analytical
methodology. No stnct requirements exist on how the
analysis should be performed but the following steps are
normally encouraged.

¢ Based on struetural analysis the most fatigue cntical
aieas are identified

«  Stress intensity factors as funetion of crack geometnes
(length, depth) and applied loading are computed for
the identified areas. Initial flaw size assumptions are
speeified in the U.S. Air Force Military Specification
9).

¢ Fatigue crack growth integration is performed on a
cycle-by-cycle basis preferably using tabulated
constant amplitude fcg-data.

¢ I a retardation or retardation/aceeleration modcl is used
in the crack growth analysis, this model should be
shown to be non-uneonservative by relcvant testing.
For example, the onginal Willenborg model should
not be used.

¢ In the definition of relevant load- and stress spectra,
experimental truncation tests (of the scarce extrcme
loads) should be performed to ohtain a spectrum which
minimises crack growth life for analysis.

¢ Extreme loads must be eonsidered for residual strength
calculation.

e A certain number of component tcsts, representative of
the structure, should be performed to validate the
prediction capability of crack growth in complex
structures.

* Based on the analytical predictions of fatigue cruck
growth, relevant inspeetion intervals are defined.

These steps are usually complcmented not only with full.
scale static tests up to at least limit load but also with full-
scale spectrum f{atigue tests. The latter are typically carried
out for at least two design life times in order to deteet any
cracking at locations which might have been ovcriooked
in ine analysis. If no cracking occurs dunng these hves
artificial flaws are introdueed at cntical areas and then the
spectrum loading is carried out for two more design life
times Dunng the latter phase crack growth(from fatigue
craeks or artificial flaws) is monitorcd and compared to
analytical predictions. The tcsting is able to provide such
compansons for several locations as cracked components
may either be repaired or replaced by new ones.
Eventually, the test ends with a residual strength test of a
major structural eomponent.

3.5 The Saab JAS3I9 Gripen alrcraft

‘The basic military concept behind the JAS39 aircraft is
that each individual aircraft and each individual pilot
should provide multi-mission capahility, i.e instantly be
able to perform air-defence as well as air-to-surface attacks
or reconnaissance, without any changes to the aircraft
itsclf. This multi-mission capability will resnlt in an

operational flexibility allowing concentration of units in a
manner previously not technically possible.

The Gnpen is designed to fit into the Swedish Air Force's
base system. This means that the JAS 39 is eapable of
taking off from and landing on road bases. Flight
preparation at wartime bases should be possible by
eonscripted personne! under field conditions.

The aireraft is aerodynamically unstable in certain parts of
its operational envelope. Stability is obtained by means of
a tnplex digital fly by wire control system with a tnplex
analogue back up system.

3.5.1 Approximate Daia of the Aircraft

Engine: One Volvo Flygmotor RMI2
(=General Electrie F404) producing 8 tons
thrust

V/eight: 8 tons

Length: I4m

Wingspan: 8m

Speed: Supersonic at all altitudes

Wing: Multi-spar design with skins and spars made
of CFRP-laminates. Root ribs made of Al-
alloy. The structure is bolted together.

Canard, Fin and Control surfaces:
I-ull core aluminium honeycomb with CI'RP
laminate sKins
Some rudders of Al-alloy

Fuselage:  With exception for a few doors 1t is all
mciallic, 7475 skins, 7075 extrusions and
7010 forgings.

Most of the attachment fittimgs joning the various parts
of the aircraft are made of 7010 forgings

The CI'RP laminates were imtially made of Ciba-Geigy
toughcned cpoxy with HTA 7 fibres Presently also
llerculcs systems are qualified to be used

3.5.2The Design Requirements
Design limit load factor =90
Ultimate safcty factor =15
CI'RP laminates not allowed to buckle below 150%1.1.

The design and testing requirements essentially agree with
the U.S A F. mhtary specifications, Refs (3-11)

3.5.3 Damage toierance requirements for the JAS 39
Gripen

Only so-called Cntical parts are required to comply with
damage tolerance requirements. A partis classificd as
critical if its failure alone may cause the loss of an arcraft
The requirements are esseatially dentical with USATL Mil-
A-8344d. The main dilference 1s that the residual strength
requirement 1s always 120%1.0..

Analysis Goal' 3000 hrs inspection-free
service hfe

Verificaton Goal: 4000 hrs inspection-free
service life

Mimmum Requirement  No detail to have a shorter
inspection interval than
400 hrs

/)




3.5.4 Damage tolerance verification policy
Previous experience from a damage tolerarice study on the
Saab AJ37 Viggen aircraft led to the following policy.

The damage tolerance verification is to be done on full-
scale assemblies, where the critical part is correctly
built into its surrounding structure.

The critical parts are to be manufactured according to
series production standard. (Example: Die forgings are
not to be substituted by hand forgings or plate
material).

Fatigue testing of critical parts is not aflowed to be
eliminated just because a damage tolerance verification
testing is camned out (Reason: The damage toicrance
test is biased, because it interrogates the structure only
at the points where artificial flaws have been made. A
correct fatigue test does not suffer from that kind of
bias.). The fatigue testing shall cover at least four
inspection free lives. i.e., 4 x 4000 hrs.

The damage tolerance verification testing shall be done
using realistic flight by flight simufation testing, and
shall cover at least two inspection free serviee lives,
i.e, 2x4000 hrs.

A critical part having initial artifieial fiaws in
accordance with Mil-A-83444 and which survives

2 x 4000 hrs. of realistic service life simulation
followed by a residual strength testing to 120%LL is
considered to have fulfilled the verification goal:
4000 hrs. of inspection-free service life.

If significant crack growth occurs during the dainage
tolerance testing, a safe inspection interval is to be
established based on crack growth observations.

3.6 The Saab 37Viggen aircraft

The Swedish lighter aircraft 37 Viggen, Figure 1, was
designed some 30 years ago on a safe life and/or fail safe
basis. Some major parts of the aircraft have been re-
assessed in terms of a damage tolerance evaluation. The
aim of this assessment has been to ensure structural safety,
and to investigate the possibilities for extending the
original life of the aircraft. This can be carried out because
the total life of the aircraft wil! depend on its durability
(see definition above) while the damage tolerance ensures,
at all stages, the structural safety of the aircraft.

The purpose here is to summarise some of the damage
tolerance analyses and the testing peiformed on the main
wing attachment frames. There are four versions of the
main wing attachment frame due to two different versions
of the aircraft, atack (AJ) and fighter (JA), and due to major
changes in the geometry made after serial production of
several aircraft. in this paper focus is on the latest version
of the JA frame. Speeifically, the aim is to briely show the
complexity of a damage tolcrance assessment in a case
where the safe original life design has resulted in rather
high stresses.

Because of the original safe life design, resulting in quite
high stresses, very extensive finite element analyses have
been necessary in order to obtain accurate stress
distributions in critical sections These stress distnbutions
have subsequently been used for the evaluation of 3D stress
intensity faetors. Also, high demands have been placed on
the accuracy of the crack growth predictions. Hence,

extensive validation of the crack growth prediction
technique has been required.

Structural testing, including artificial Maws, has been
carned out with the aim of obtaining crack growth data for
correlation to the prediction technique. The stress analyses
were mainly verified on basis of traditional static and
fatigue testing results available from the design phase of
the aircraft

The approach taken for this study has been to follow the
military specification MIL-A-83444 as discussed above.
All of the components considered represent primary
structures with few or no altemative load paths and have,
therefore, been classified as stfow crack growth structures.
Initial flaw size assumptions follow the requirements of the
specification in Ref. (9). A conservative residual strength
requirement of 1.2 times limit foad has been applied in
terms of the linear elastic plane strain fracture toughness,
ch irrespective of actual thieknesses, except for cover

sheets where K values for actual thicknesses were used.
4

4. LOADS

4.1 The Saab JAS39 Gripen alrcralt

A eonceptual model is used which eovers design and sizing,
structural test verification and service monitoring and
involves engineering activities such as mission analysis,
cxtema! loads analysis, structural analysis and stress
analysis. Fig. 1 shows the various parts as a block scheme,
while an overview of various computer programmes is
illustrated in Fig. 2. Figure 3 shows details of the block
scheme shown in Fig. 1.

Design parameters in the mission analysis onginate from
estimated threats and expected usage and are expressed as a
sequence of flights and ground conditions. The conditions
are defined by flight mechanics parameters such as luad
factor, rofl rate, speed, contral surface defleetions, thrust,
fuel burn, weapons etc.

Each set of flight parameters defines a certain flight
condition. Determining the extemal loads for those
conditions (manoeuvres) at different aircralt configurations
requires analysis of e.g. structural dynamic response,
aerodynamic pressure distributions at different speeds,
angles of attack ete. Ground loads analysis include such
events as landing impact, taxiing, braking, turning etc.

The load analysis makes use of techniques like the finite
element method to predict dynamic transient response, e g
land'ng, computational fuid dynamics for prediction of
aerodynamic pressure fields and six degree of freedom fight
mechanics model with controf system logics to predict in-
Might manoeuvres. Numenical predictions are supported by
wind-tunnel tests of models

4.1.1 The global spectrum approach

For fatigue and damage tolerance sizing and test
venfication, a methodology referred to as the global
spectrum approach, in which the design loading of the
complete aircraft is defined, has been developed In this
approach the dezcnption of each unique manoeuvre 13
defined as a sequence of instantaneous and balanced load
cases. Sequential manoeuvres build up unique missions and
sequences of missions build up the expected usage The load
cases consist of finear combinations of unit load cases
(including aerodynamic loading, inertia toads, ground lcads




12-4

etc.) for the finite element model of the complete airframe
in a hierarchic way. All information about load case
structure and their occurrences in the sequences are stored in
a global sequence database. Through this methodology
results local load sequences, in terms of loads, stresses,
displacements etc., which can be directly used for crack
growth calculations or counted, by means »f the rain-flow
algonthm, in order to be ne:  for classical fatigue analysis
or planning of structura: = rogrammes.

This database is updated continuously as a project develops
and as flight test data becones available, The current
global sequence for the JAS39A Gripen aircraft consists of
35 different types of unique missions built up by more than
13 000 unique load cases. These unique missions are
comhined into 60 deterministic suh sequences (defined on
hasis of pilot training programs and consisting of 12
different taxi load sequences, 35 different flight load
sequences and 13 different landing load sequences) which
are then comhined to a sequence covenng 313 complete
missions {taxi out, flying, landing, taxi in) contaimng a
total of more than 500 000 load cases A unique repetition
sequence representing an actual service load history ol
these 313 flights is equivalent .» 200 flh and, thus,
consists of more than 500 000 :tates

The internal loads distnhution are ohtained by solving a
linite element model of the complete aircraft using the
extemal loads representative for the umit load cases n the
global sequence deseniption The finite clement models of
the single- and twin-seated version of the JAS39 Gripen
wircraft are shown in Fig 3 for which 460 umit load cases
are solved and stored in a structural analysis datahase

Having access to the glohal sequerce database and the
structural analysis datahase, the eagineer 1s ahle to obtain
local load or stress sequences and rain-flow counted spectra
for any member element of tne finite element model of the
complete aircraft This s done by an interactive software
system vhich is connected o the two databases The global
spectram program dehivers load sequences for all the
1~ading actuators of the vanous structural tests 1t also
dehivers the basis for companson with the results from the
loads monitoning registrations on each individual arrcraft

4.1.2 Load calibratnon

One test aircraft (Test A'C 39 2) 1 dedicated to the loads
survey programme, figure 5. About 500 ctrain gauges have
been installed. The aircraft has been suhjected to about 150
cal:bration load cascs with the purpose to accurately be
ahle to deduce interface foads between wing and fusclage,
wing and control surfaces and fin and fuselage. Also shear,
torque and bending at three wing sections and at four
fuselage sections, as well as bending and torque in the
canard pivot, landing gear loads and loads from external
stores are measured.

4.1.3 Load :nteraction

1t 15 well known that the svquential order of the loads in the
spectrum 1s very important for the fatigue hfe. Models to
account for this influence on the fatigue crack growth rates
are normally based on plasticity considerations and they
may predict rather different results, conservative or not,
depending on the model chosen (24) In the Mght sequence
vanous parameters influence the crack growth with vanous
amounts. The vanations found to have the greatest impact
are those involving modifications of the maximum peak
loads. These variations include mission mix, ugh and low
load truncation, exceedance curve variations, and test limit
load vanations Vanations shown to have sigmhcant

I, ~-s include those which modify all but the hghest peak
loads throughout the spectrum, such as sequence of
missions, compression loads, ard peak and valley
coupling, Spectra vanations shown to produce the least
effect are those which modify lesser loads in cach mission
These consists of reordenng of loads within a mission and
Might length variauous (25).

4.1.4 Service loads monoring

For the Swedish fighter JAS39 Gnpen, every aircraft will
be equipped with a service loads monitonng system, see
Fig. 6 The following six loads will be recorded:

1 Vertical acceleration at ¢ G. = Load factor, n,
2 Canard pivot.  Bending, My

3 " Torque. M,

4 Wing Fwd attachment bending, My
5 N Aft attachment lorce, Sy

6 Fin. Alt attachment hending, My

With the exception for the first one, the forces will be
measured by means of calihrated strain gauge bridges Lach
individual aireraft will he calibrated while flying in detml
specified manocuvres Nommally identical strain gaupe
installations on the loads survey aircraft (Test A €392,
on the major stati¢ test structure, on the major fatigue test
structure, on o canard pivot test articles and on two fin
plus rear fuselage test articles will add confidence to the
calihration procedure

Recorded data will be analysed on board cach arrcraflt usmg
the range pair range count algorithm  After transferring to a
ground based compnter, compansons will be made with the
comesponding local spectra as delivered from the glohal
spectrum software system

4.2 The Saab 37Viggen aircraft

4.2.1 Geometry and loading

The prncipal geometry of the JA main wing attachment
frame 1s shown in Ing 7 The frame can be descnbed
simply as an assemhlage of two curved Us or 1-shaped
beams, located a distance o 1600 mm apart and kept
together by inner and outer cover sheets The beams are
made of an aluminium die forging and the cover sheets are
made of alumimum alloy sheet matenal Between the two
beams a structural detanl, called the middle pan, s located
as indicated in Thg 7

Depending on the aircraft version, the middle part 1s made
of an alumimum die forging or a high-strength steel
forging, Also, a lower rear engine attachment 15 mounted
between the two beams, see Pz 7

The main wing attachment frame 1s loaded hy the mamn
wing spar [1tas the only attachment frame that takes np the
bending moment from the wings Shear loads are
distnhuted on several frames The loads from the marn wing
spar are introduced into two attachment hales m cach Heam
and two holes 1n the middle part The purpose of the noddl
part1s to distrthute a portion of the load to two adjace:t
attachment holes 10 cach beam, calied middle part hel:s
l'urthermore, the main wing attchment frame 1s loade: by
the engine through the rear engine attachment, which
transfer’ vertical loads inally, loads are introduced 11 the
frame from the fusclage through the cover sheets A
pnncipal sketch of the loads acting on a guarter of an
isolated main wing attachment frame assemhiage 15 shown
in Iig 8 ‘The load, Plz, at the top of the frame s
mntroduced i comhmation with extra loads on the engime
attachment to compensate Tor the nussing load transfer
from the rest of the Tuselage when an solated assenthlage i~

~



studied Obviously, the magnitudes of the loads on the
different versions of the main wing attachment frame are
different.

4.2.2 Design versus usage spectrum

The load spectrum used both for analytical predictions and
for testing of some coupon test specimens and an isolated
main wing attachment frame assemblage is shown in Fig,
9. As can be seen, the utilised design spectrum is more
severe than the average usage spectrum of the aircraft.

5. STRESS SPECTRA AND FRACTURE
MECHANICS

Models used for assessment of fatigue life and damage
tolerance of fighter aircraft vary from rather simple to
highly complex depending on factors such as, if the
structural component is primary or secondary, local stress
levels, inspectability e'c. Typically, simple models are
used initially and more sophisticated analysis is resorted 10
in complex geometnes and when safety margins are lower.

§.1 Elimination of insignificant stress eyecles
Due to the basics of the global spectrum approach,
descnibed above, very many small load cycles are
generated. It is therefore advisable to omit certain small
cycrs which from a fatigue viewpoint have no practical
meaning. The system contains interactive facilities to
rerwove insigi:ficant states. By defining omission
conditions connected to the earlier defined sequences the
reduction of the sequences is immediately displayed. For
the component shown in Fig. 10, the original sequence
consists of 7813920 states for 3000 flight hours. By
omitting cycles with ranges smaller than 20 kN
(approximately 10% of the maximum range) the total
sequence is reduced by 97.1% to 224250 states The
omission technique adopted also works when more than
one load sequence is considered through a lowest common
denominator scheme.

Selected parts of the total sequence can be plotted in a
varicty of forms and on different devices. 1n Fig. 11 a plot
of the beginning of the unreduced scquence is shown on
screen format. The sequence shown in Fig. 12 has the
above defined omission condition applied. The triangular
marks shows where each mission ends. Spectra can be
plotted in two forms, either the distribution of ranges or
the distributions of peaks and troughs. In Fig. 13, the
distributions of ranges are shown for both the orniginal
spectrum and the reduced spectrum.

The software has features to facilitate 1dentification of load
cases. This can be done by retaining load case
identification numbers all the way through the ran flow
count operations, omissior. procedures etc. This techmque
has proven to be most important when planning for
structural tesung. For JAS39 every umque load case of the
glohal sequence has been assigned a 9 digits code number
according to a systematic scheme.

5.2 The Saah JAS39 Gripen aireraft

The global finite element model predicts the intemnal loads
distribution and the differert types of entities that can be
obtained depend on mesh and type of elements. The most
simple case is o extract 4 scalar sequence, e.g a normal
force sequence from a flange element. If more complex
elements are used, e.g. beams, solids etc., more stress
components are available. Since cach state in the global
sequence represents a certain load case, 1.€. acertain

combination of the components, each change from one
state to the next state also means a change of the stress
intensity factor to another. This complicates the situation
if the stress components are not correlated.

The main wing attachments of the Gnpen aircraft are shown
in Fig. 14. Fig. 15 shows the fimte element substructure of
one of the three main wing attachment frames and resulting
stresses for limit load are shown in Fig. 16 for critical
areas. Par's such as the lower flange regions are here
modelled by beam elements from which sequences of
normal force and bending moments can be obtained. The
comelation between the bending moments and the normal
force in this region is reasonably good. Figs. 17 and 18
show the bending Inoments versus nomal force. A stress
intensity factor solution which is applicable for the
complete sequence can thus be obtained from a linear
combination of the three entities.

This is most often enough for damage tolerance analysis.
Local stress sequences are used together with stress
intensity factors that are available for different
crack’loading configurations.

Sometimes when predicted crack growth lives initially do
not meet the target lives, more sophisticated local
modelling can be made and connected to the global model
and the global sequence. For the lower flange region a local
stress model using solid elements has been solved using
the p-version of the finite element method. Figure 19
shows a model of the region and the stress distribution
resulting from a load case representing a pull-up
manoeuvre. The stress distribution across a section cuting
through a highly stressed region is shown 1 figure 20

The stress intensity factor for a crack in this section 1s
denved using three dimensional weight function techmque

Damage tolerance analyses are made for large number of
assumed cracks in primary structure For the JAS39A
aircraft more than 1000 crack sites have been analysed The
type of analysis ranges from simplificd ones using basic
stress intensity factor solutions to more or less advanced
ones using p-version FEM either with the crack
incorporated in the mesh or by applying 3D weight
functions to stress distnbutions for the uncracked structure
Fach analysis is summarised on a damage tolerance
analysis sheet. An example of such a summary sheet is
given i Fig. 21

§.3 The Saab 37Viggen aircraft

The fimte element analyses have been made in several
steps where the intal step has been to make a global
model of the complete component. These global models
were able to descnbe stiffnesses correctly and to indicate
where stress concentrations were located In a few cases the
global models were sufficiently detailed to give local
stresses, but usually more detailed models were required A
typical example of a giobal model for a quarter of the inam
wing atta.kment fram~ assemblage (remaining after
accounting for the symmetry) 1s shown in Ing 22 The
model, which is made using a substructunng techmique,
consists of approximately 75000 degrees of freedom

Raved o the global I'E-results, cntical areas were

e alierd, which were then subjected to more detailed 13-
analyses, including such elements as accounting for
bushings and solving contact problems The boundary
conditions for the detalled models were obtained from the
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global models in terms of displacements and rotations of
nodes along the
created cuts through the global models.

The region around the fuel pipe holes in the main wing
attachment frame was analysed using the p-version of a
newly developed self-adaptive FE-code (26). Also, some
stress intensity factors were computed using this technique,
which is believed to be the most accurate technique there is
for such calculations.

Regions around major atiachment holes were analysed
using conventional FE-technique but, as already
mentioned, contact stresses between wing bolts and
bushings, as well as between bushings and frame forgings,
were computed using an automatic iterative solution
techmque In many cases the detailed analyses were
repeated with considerations of more and more details. such
as heads of bolts and stiffening effects of middle parts. The
reasons for repeating the detailed analyses were scemingly

improper or too large deformations and unrealistically high-

local stresses. For example, by including the bolt head in
the model of the middle part hole region, see Fig. 23, the
largest principal stress was reduced by 25% due to reduced
bolt tilting.

8.3.1 Fracture Mechanics and Fatigue Crack Propagation
A difficulty in the damage tolerance analysis has been to
obtain relevant stress intensity factors. In many cases the
stresses at critical locations have been high (locally) with
large gradients in both surface and thickness directions.
Stress inteasity factor solutions based upon a remotely
applicd uniform loading are generally not able to descnbe
the local stress gradients. Besides, it is very difficult to
define the remote uniform loading.

The most accurate stress intensity factors used were those
computed using the adaptive FE-technique, see Fig 24
llowever, there were too many critical locations for
applying this technique everywhere. Second best stress
intensity factor solutions seemed to be those based upon
the weight

function technique, in which case local stress distnbutions
could he described accurately Such stress distnbutions were
obtained directly from the FE-analyses and they are vahd as
long as no major changes due te load re-distnbutions occur.
llowever, weight functions for 3D geometnes are scarce.
For 2D geometnries it is casier to find accurate weight
functions but through-the-thickness cracks were, in
general, a far too severe assumption for the cntical
locations studied.

The solution to the problem was to introduce cormection
functions hased on the 3 weight function solutions sich
that the 3D solutions for remote loading were modified to
approximately account for the local stress distribution
one of the two directions.

I"atigue crack growth predictions were performed using a
cycle-by-cycle analysis technique without consideration of
plasticity-induced load interaction effects llowever, a
method for extracting contributing load cycles from an
irregular load sequence was used which can be descnbed

as a very simphfied rain flow counting algonthm.

All available fracture mechanics and crack growth data for
the aluminium alloys and the high strength steels 1nvolved
have heen critically reviewed and collected in a data base
for easy access. Complemen.ary testing on coupon

specimen level was performed to derive constant amplitude
fatigue crack growth data in cases where data were lacking.
Figure 25 illustrates the collected data for one of the
relevant

aluminium alloys.

Additional recent work has showr the wing attachment
frame to he fail safe. This was shown by considering the
additional dynamic loading transferred to the remaining
structure when one of the four aluminium parts fail
completely.

8.3.2 Verification of Stresses and Crack Growth
Prediction Technique

The FE stress analyses were venfied by comparisons to
experimental results obtained dunng the traditional static
and fatigue testings of the comporesits considered. The
compansons showed that stresses, 11 general, were
computed very accurately even with the

global models Unfortunately, stresses really close to
attachment holes could not be assessed due to lack of
expenmental data

The techmgue of modifying 313 stress intensity factors,
using 21D weight functions, was ventied by comparing such
stress intensity factor solutions to solutions obtained
using the adaptive IE:-techmque for a number of typical
geometries

The computer programme used for the crack growth
predictions, Ref.( 27) was venfied as far as possible by
compansons to other computer programmes and also to
expenmental results (on a coupon speamen level with
well-known stress intensity factor solutions) from the
literature as well as from test results (on a coupon specimen
level) obtained in the current investigaion These
compansons involved both constant amplitude results and
results Trom different types of spectrum loading

6. STRUCTURAL TESTING

Here, we will discuss tbe testing carmed out to substantiate
the analytical methodologies used. Such tests include
simple coupon tests to study influence of load spectrum
truncation etc, compuonent tests to venfy numencal
predictions and to reveal any unexpected problems, and full
scale fatigue and damage tolerance testing of an entire
areraft. The overall test programme for the new fighter
aircraft goes on for more than 10 years

6.1 The Saab JAS39 Gripen aireraft

6.1.1 Artificial flaws

In order to monitor the making of artificial flaw< on the
critical parts to be subjected to venfication testing 1n the
JAS39 programme, a manufactunng and quahity control
specaification document was produced In that document the
clectro spark method using carbon electrodes 1s speeified
as the main method The specification defines tolerances
on the flaw geometry atself as weld as its location The
specification also defines machiming data sinch as current
and pulse -length for electre spark machinig or amount of
feed between each stroke for the chipping method
lixamples of the Aaw geometry specifications ase shown m
Iig 26 Consider the quarter circular flaw having a = 127
mm as per Mil- A-83444 In the Saub manufaciunng
specification this has heen assigned a tolerince 13 < a <
1.5 mm and a tip radius s 0 0Smm The depth tolerance
scldom has been a problem In cases when the depth has
come out below the tolerance, a < 1 3, the detasl has always




been sent back to the workshoo to make the law deeper.
The tip radius was expected to come out between 0.02 and
0.04 mm duning electro spark machining. Most of the
time, however, the tip radius has come out between 0.04
and 0.05 mm, i.e. very close to the maximum tolesance,
and in qQuite a2 number of cases it has been necessary to
accept tip radii exceeding 6.05 mm (but never exceeding
0.065). Artificial flaws made by chipping have always
ceme out well within the tolerance limits.

An example from a large test programme on unnotched
specimens is shown in Fig. 27 for an aluminium specimen
subjected to a symmetric fin root spectrum. Here, the crack
growth rate first started up at a higher than normal rate and
then slowed down to a more normal rate. This can be
interpreted as if the artificial flaw is characterised by a
negative initiation period. Special attention was paid to
artificial Naws on shot-peened surfaces since delayed
initiation could be expected. Observed initiation periods
for those cases have vaned from 800 to 1800 bours for
specimens showing a total life of 5000 to 7000 hours. The
crack propagation part of the total life has always been
larger than the initiation period for all tes*ed stress levels.
This 18 a most important conclusion since it supports the
selected principle of verification of the slow crack growth -
non inspectable parts even if no identification of crack
growth could be detected at artificial laws in large
components at two service lives of fatigue testing. This
has also been shown for a most unfavourable
crack/geometry case with rapid crack growth rate.

6.1.2 Test programme

The damage tolerance analysis creates the necessary
conditions for structural integrity. This integrity also
needs to be demonstrated in structural testing according to
the sizing approach shown in Fig. 1. Besides from testing
for obtaining data for predictions, three main levels of
testing are detail testing. major component testing and
final full scale verification testing These three levels are
described below.

Detail testing is mainly performed early in the sizing
work. It is used to verify detail design of vital structural
members and to qualify the application of prediction
methods to typical structural configurations. The lower
Nange region of the main wing attachment frames were
studied in that way Six different crack/geome’ry
configurations were tested according to Fig 10.

The slow crack growth damage tolerance requirement is
applied to alt flight safety critical components - even
stiall sice units such as tension bulls, hinge bults fur the
control suriace attachments, control actuators and other
small details of the control system. Primary bolts are
venfied to tolerate semicircular surface flaws with 1.3
(+02/-0) mm radius The venfication testing of the
tension bolts for the wing and fin attachments have proven
very satisfactory Jamage tolerance.

Major component testing is done for early fatigue and
damage tolerance verification. The key poimt in these tests
is that a critical part 1s tested while properly installed in 1its
nearest boundary structure This test will spot fatigue
critical areas and demonstrate the stable growth of those
natural cracks that may imtate and of any aruificially made
cracks. As an example a test set-up for an attachment of
wing to fuseiage is shown in Iig. 28 The lower flange
region, descnbed above, 1s here installed i 1ts nearest
boundary structure
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Damage tolerance testing of large components involve
very mar; nitial laws, for the rear fuselage tested
together with fin and rudder more than 100 flaws were
introduced.

The final verification of the fatigue and damage tolerance
performance is made with a complete airrame tested for
several service lives. A photograph of the static test article
is shown in Fig. 29. The test amangement consisted of 85
independently controlled load channels. A second airframe
for fatigue and damage tolerance testing is now installed in
the same rig and testing will be started very soon and be
subjected to at least four service lives of fatigue testing.

The test program for structural verification of the JAS39
aircraft is shown in Fig. 30 (tests of systems not shown).
Component tests for venfication of both fatigue and
damage tolerance are first subjected to two service lives of
fatigue testing, then artificial flaws are introduced,
whereafter the test is subjected to a further 2 service lives
of fatigue testing. Finally, a residual strength test is camied
out with the purpose to venfy a load capacity 1n excess of
120% 1.L. The pure damage tolerance venfication tests are
performed with artificial flaws introduced from the very
beginning and are subjected to two hfetimes of fatigue
testing followed by the residual strength test.

Before deliveries of aircraft to the Swedish Air Force, a full
scale static test will be performed (this 18 already
completed) and a full scale fatigue test must have simulated
one design life. A schematic overview of the entire fatigue
and damage tolerance activities for the JAS39 Gripen
aircraft, as described above, is shown n lig 31

6.2 The Saab 37Viggen aircraft

6.2.1 Structural Testing

As already mentioned, an activity 1s carrned out with the
purpose of achieving life extension of this aircraft. For
that purpose a complete damage tolerance test programme,
similar to the one mentioned above for the Gnpen fighter,
1s currently being performed Here, the aim s only to show
differences in the methodologies used, resulting from the
higher stress levels mvolved for the Viggen arrcraft This
is described for the main wing attachment frame
asscmblage. Due to relatively large displacements (wing
root bending moments of up to 520 k\m were apphed) the
effective test frequency became around 0 2 11z (testing was
conducted at a constant displacement rate) The actual frame
tested had already been subjected to four fatigue hves of
spectrum loading dunng the traditional testing to suppoert
the onginal safe life design of 2800 fiight hours No
faiigue cracks wore 1cpotted alter the tradiional testing I
the picsent investigation another four fatigue lives were
applied subsequent to intmduction of defects in the frame
A total of 22 artficial flaws (crack tup radius <0 02 mm)
were introduced by sawing in critical locations of the
frame

The locations chosen for saw cuts were selected based on
the I'l: results, a strain survey using a bnttle coating
techmque, crack growth predictions and inspection
considerations Very good agreement was found between
the bntle coating results and the global fimte element
analysis with respect to both entical locations and
magmtudes of the strain field

Crack growth was niomitored both visually and by means of
vanous NDI-techmignes, pnmarily eddy current Firstly,
cruacks started to grow from defects introduced at the two
fuel pipe holes This growth was casily observed visually
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and was therefore very useful in venlying the analytical
crack growth predictions. A companson of predicted and
expenmentally observed crack growth at the upoer fuel
pipe hole is shown in Fig. 32. Later on, after
approximately 12500 simulated flight hours, this crack
together with a crack at the fower fuel pipe hole resulted in
final failure of the frame

After some 4000 simulated fMight hours, crack growth was
observed a: one of the wing bolt holes. This is ,according
to numerical predictions, one of the most critical locations
in the frame. However, the predictions for this location are
assumed to be overly conservative as friction between the
interference fitted bushing and the frame forging was
disregarded. Furthermore, it is believed that th.e
interference fitted hushing in the wing bolt hole restrains
the erack mouth opening and thereby reduces the effective
s'ress intensity factor range. This would explain the
unexpectedly slow crack growth observed at this location

6.2.2 Inspection Intervals

Based primanly upon crack growth predictions but with due
consideration to component testing results and also results
conceming the prediction capability (accuracy for vanous
structural details) of the computer programme used, safe
periods of crack growth have been established Inspection
ntervals have been determined, assuming that the cntical
locations are depot or base level inspectable. The
inspection intervals are then half of the safe crack growth
penods. Fig. 33 shows inspcction intervals for the JA
ma‘n wing attachment frame.

7. COMPOSITE MATERIALS

An overview of work done in the U.S A. and recommended
certification procedures are summansed for composite
struetures in Ref. (28) This reference states that draft USAL
damage tolerance design requirements for composites are
conceptually equivalent to MI1.-A-8722]. Recogmtion to
the unique property characteristics of composites leads to
significantly different defect' damage assumptions for
composites as compared to metals Of the assumed
Naw/damage types, scratches, delamination and impact
damage, the last one dominates dcsign as 1t is the most
severe. The reco rmended compliance to the draft
requirements 1s summansed 1in Ref (28) to allow no
significant damage growth in two design lives This 1s due
to rapid unstable growth after growth initiation This
requirement elimiates in-service inspections. 1inally, no
full-scalc test validation is required as subcomponent test
arc considered to accurately represent damage toletance
hehaviour of full-scale structures

l'or the new Swedish fighter JAS 39 Gapen a certification
procedure similar to the one mentioned above 1s being used
for the composite structures (wing skins and spars,
elevons, leading edge flaps, canards, air inlets, fin and
rudder and atr brakes). All CRI'P-laminate structures were
verificd by static testing before the first fight The
strectures were tested dry, as received from manufactunng
Smaller components such as elevons and rudder were tested
at high (+85°C) as well as low (-40°C’) temperature besides
at room temperature. The wing, the fin and the canard were
tested at mom temperature besides at room temperature
The wing, the fin and the canard were tested at room
temperature only As all venfication testing was dune with
dry laminates, the requirecment was increased to | 2 times
1507%=180% linmit load Snbsequently, all those structures

have also passed four design lives of fatigue testing
without any fatigue damage.

8. DISCUSSION AND CONCLUSIONS

Current development trends concerning loads activities 1s
to incorporate data from more flight systems, influenced
by Might conditions, ¢.g. the gearbox etc, into the global
sequence descnption. Other improvements of the global
spectrum approach will be to early venfy the mission
analysis by a closer connection to the flight simulator. By
letting, diffcrent pilots solve a certain fight task, the
vanability in manoeuvres can be evaluated carly in the
project.

Current trends regarding structural analysis 1s to create
more detailed models of vital structures and to incorporate
those into the global finite clement model as substructures
Special facilities have been implemented into the loads
sequence handling system for identification of the most
signtficant load cases Much more detailled models are
being assessed by a parametnc approach early on in the
analysis phase. to account for the fact that certain
dimensions are determined very early and are difficult to
modify later on

Regarding crack growth modelling, retardation has yet not
been used for certification purposes. However, recent
advances will be utilised for the C-version of the JAS3Y
Gnpen aircraft, to decide which old tests can sull be used
for the new design

Other areas which will be studied in more detad within the
next few years include. crack growth in mechanical joints,
multaxial loading, constraint effects in three dimensioral
crack growth, and probabihstic aspects of damage
tolerance and the entire structural design methodology

Structural design of military airframes ts dnven by damage
tolerance requirements Durability, mostly assessed in
tesms of conventional fatigue, 15 achieved by proper
mspection procedures, repairs and or replacements
Strictural integnty can only be achieved by detailed
knowledge of Might profiles and resulting load spectra,
stress distnbutions and matenal propertics

The methodology currently used in Sweden for faugue
management and venfication of wirframes has heen
deseribed Models used for assessment of fatigue hfe and
damage tolerance of our fighter wircraft vary from rather
siniple to highly coniplex depenaing on vanous jactors
Typically, simple models are used imtially and more
sophisticated analysis 15 resorted o 1in complex
geometnes and when safety murgins are lower

Analyses must always be complemented by testing, Irom
coupon specimen: level up to full-scale testing Fatigue
management and venfication also involve service load
montonng regarding both dedicated test mreraft, used to
venfy basic load assumptions, and also mdividual load
trackmg programmes developed for new highters
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Figure 1 Block scheme of conceptual model for JAS39 Gripen aircraft
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Figure 3 Model parameters and response variables in the design stage

Figure 4

Structural models of the single and twin seated version of the
JAS39 Gripen aircraft
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. . L Figure 8 Schematic showing the loads
Figure 7 JA37 Viggen main wing applied

attachment frame assemblage
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Comparison between design spectrum and in-flight recorded
spectrum for the average JA37 Viggen aircraft
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Figure 10 Different crack/gecometry configurations of the JAS39 lower

Type 4

flange region of the main wing attachment frames
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Figure 14

Figure 15

Main wing attachment frames of the JAS39 Gripen aircraft.

The frames are machined die forgings of aluminium 7010 alloy.

The wings are attached to the frames with steel bath-tub fittings

Finite element substructure of wing attachment frame
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JAS39 Damage Tolerance Review Sheet

Category Analysis code No
Slow crack growth - Non inspectable |2.2.1 C
Drawing No

Inspection free Interval
One service life

1603152-001, 1903154-131

Material

Al 3644.74 die forging
Special inspection reqirements Description
No Rear fuselage

Wing attachment frame Xgg 10250
Lower flange

Limit load case

LC 349 APOS

Limit load stress 111.1 MPa, ref. a/c 39.157.02.5 s2.9
Spectrum Glob. seq. 39SEKS3, toc. spec. SA157009, ref. a/c 39.157.02.552.10
Max spectrum peak stress 108.4 MPa, ref. a/c 39.157.02.552.9

Fracture toughness data

K =1450 N/mm3/2 at t=4 mm, (K;:=900 N/mm3,2)

Crack growth data SD 37-3644 page 3. (forging, TL-orient.)
Crack growth model Non interacung
Stress Intensity factor mcdel
4
R10 (Kt=1.66) ~=a5
b oerenassansnnnsaaas ]r_..
o - 20 \
e -, ».\\
e - 70 \\
b l s \i\
[ ]
20
Initlal crack Quarter-circular comer crack, a=2.54 m..
shape and size
Critical crack at 150% LL Through-the-thickness crack, a=17.5 mm
shape and size
Critical crack at 120% LL Through-the-thickness crack 2=,19.8 mm
shape and size
57039 fih
Crack growth perlod

Applicable testing

Test No: 5.1.7.3 Wing to fuselage attachment
Test No: 5.1.18 Lower tlanges in wing attachmert frames

Figure 21

JAS39 Gripen damage tolerance review sheet
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LOWER WING
BOLT HOLE &,
—200 MPa
~.25%0 MPa [
300 MPa
350 Mpa
DETAIL OF FE-MODEL
SHOWING GRID IN CRACK
@
@
STRIPE RESULYS, UNIFORM p=6
a c Kr Kig
L (mm) [ (mm) | (MPA Vim) | (MPa Y mm)
1.3 1.3 472.8 572.5
1.3 1.6 514.6 602.9
j= MIDDLE PART EOLT 2.0l 2.6 621.9 249.2 ® ®
m 2.0 1 3.0 647 4 278.8
. Fig. 24 K] determination using p-version F1:M
Fig.22 FE model of the JA37 main wing
attachment
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Fig. 23 FE model of the middle part bolt, including lig. 25 leg-data for 7075 Al-altoy ®
the bolt head, a region of the frame forging,
and a portion of the middle part
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Electro Spark Flaws Saw Cuts

Figure 26 Geometry specifications for artificial flaws

b1 -] O width bt
Crack Ler.gth (incl. the flaw) in {0 thickness direction

10 4411 44 14
(mm) segans I r

LAl [} ‘
0] I
== —t11tt App Neg Crack Initiation Period |

1 SO il

0 1 2 3 4 5
Thousands of simulated flight hrs

Figure 27 Apparent negative initiation period from an artificial flaw
(no shot peening)
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JASRO Grpen testset up for aitachment o wing to fusclage
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RISK ANALYSIS OF THE C-141 WS405 INNER-TO-OUTER WING JOINT

1991 USAF Structural Integrity Program Conference
San Antonio, Texas
2-5 December 1991

R.E. Alford, R.P. Bell, J.B. Cochran and D.O. Hammond
Lockheed Aeronautical Systems Co.
Georgia Department 73-25
Zone 0160
$6, S.Cab. Drive
Marietta, G. 3006
United States

INTRODUCTION

It is evident that weapon system
management ben«fits greatly from the
use of probabilistic risk assessment
methods. The C-141 WS 405 inner-to-
outer wing joint provides an actual
case of how this technology was
implemented by Lockheed and USAF
engineers to determine conditions of
inspection and repair for the C-141
fleet.

BACKGROUND

The C-141 aircraft was delivered tc
and deployed by the Rir Force during
the 1960's. Constructed mostly of
7075-T6 aluminum alloy, the C-141 was
designed to provide 39,000 flight
hours of service. Currently,
however, the force is averaging over
34,000 flight hours. In the 1970's
the C-141 was stretched and given
refueling capability, and it was this
model, the (C-141B, that rapidly
became the workhorse of MAC. Today
it is reascnable to expect the C-141
to provide reliable airiift well into
the 21st century. Consequently,
since the (-141 and other weapons
systems are being called upon to last

longer under more severe conditions,
the current tools of structural
analysis must go beyond the specifics
of strength, durability, and fracture
mechanics and  into the realm of
probabilities, 1.e. risk assessment.

WING STATION 405 JOINT

The C-141 WS 405 wing joint rsonnects
the outer wing to the inner wing.
This structure has met design goals
of 30,000 f£light hours, but it iz
rapidly decteriorating as alrcraft
usage continues to accumulate. The
structural assessment explained
herein was performed using standard
risk analysis programs adapted to
address the wing joint provlem. In
the 1980's fatique cracking
manifested itself in the W3 405
joint, and 1t was at this time that
inspections, redesigns, and repailrs
were engineered. However, by 1984
generalized «racking was prevelent
throughout the fleet elevating the WS
405 joint issue to one of safety. It
was this <concern for safety that
prompted the risk assessment of the
joiat.

Prescnted at an AGARD Meeting on An Assessment of Fatigue Damage and Crack Growth Prediction Techniques.

September 1993.
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RTSK ANALYSIS METHODOLOGY

The following resources and
information are required to perform a
structural ris: analysis. ield

inspection results are necessary to
determine the initia! cracking data
from which the analysis can proceed.
In the case of the 405 joint this
information was obtained mainly from

irected bolt hole eddy current
{BHEDY and x-ray inspections.
Inspected structure included the
lower rear beam cap attachment to the
tie down fitting and the front and
rear beams of the wing joint region.
Lls0, the fastener holes in the joint
area were reworked and inspected by

BHEREC. Multi-eiemert and multi-site
da~age were both confirmed by these
inspections.  Furthermore, the data

revealed that approximately 50- of
the cracks found in the rear beam
lowsr cap were in excess of the
critical «crack length. Another
required resource for risk analysis
1s the cracrgrowth data for the area
of concern. These data are needed to
reduce the actual fleet crack data to
corresponding lengths for average
force aijrcraft. Flaw distribution
data is also required to generate the
strength data for the components
being analyzed. To determine the
distribution of bolt loads a.d
stresses of the variocus components, a
ron-linear finite element model
analysis of the WS 405 joint area was
performed. Finally, load exceedance
data 1s needed to «calculate the
probability that an aircraft will
sustain or exceed a given load.

CRITERIA

The objestive ot this proredure was
tn determine a method for evaluating
the safety of the {-141 fleet during

the forre management program
initiated because of the cracring
oroblen. As previously discussed,
risk analysls was the  method
selected, Moreover, the risk of
fariuze was defined as the

prebability of the load exceeding the
strength at a given point in time.
The tollowing failure criteria, as
set farth during a C-5 SAB review,
was adopted, "If a structural memper
ta1ls, for whatever reason, thep the
risk of catastiophic tailure on a
single flight of no mo:e than one in
ter, thousand is azceptable.”

BLANK DECISION TREE

Early in the analysis it was
necessary to establish a failure tree
such as the one 1in figure 1.
Although it 1is important that the
tree reasonably simulates possible
failure paths, it is not possible to
include every detail. For example,
three elements will require six
possible failure combinations and
four elements twenty-four
combinations. Considering that it
takes one day to run the finite
element model (FEMI, one day to
reduce data to plots of bolt loads
and stresses, and at least two days
to generate the crackgrowth curves,
it is evident that the failure modes
must be simplified to every extent
possible.

At this point the failure tree |is
only an estimate ot what the final
result will be based or. the FEM data.
Cbviously, several iterations are
required to finalize the tree. Field
inspection results also play a large
role in the failure tree
construction. Figure 2 shows the
critical components of the 405 joint
tepresented by this fallure tree.
This outboard view of the region
shows the beam caps, splice fitting,
and chordwise joint. The decision
tree of figure | represents only the
rear beam area. A separate analysis
was conducted on the front beam usiny
the same methodoloqgy.

EXAMPLE RISK CALCULATIONS

Figute 3 presents an example of how
r1sk calculations are performed on a
single element. Assume, as the chart
depicts, that there are a certain
number of patts which contain “racks.
For each «crack sice rhere {s  a
strength  which this memte: an
sustain but wili fail it euxceeded.
The chart designates these elemen’s
as 51 <hrough S55. For ea:ti part
there 15 an associated strength and
percentage of ths total number of

part- at this strenith level, For
examrple, - of ail the parts have a
strength level of 50 K3l as indizated
by the desiqgnatinn 34, Also shown
are the provabilivties that a load of
4 Jiven magqnitude Will pe appliied to
a4l element, It these loads, Li
through L4, are applied randomly o




all members the risk can Dbe
determined. From the chart it is
clear that all the loads are greater
than the strengths of the 5% of the
parts designated S1. Therefore, the
probability of failure of tuese parts
is the probability that the load will
occur times the number of elements or
(1.000x{0,05). Similarly, the 10= of
the parts with strength S2 may incur
loads L2, L3, or L4 which will result
in failure of these parts, and hence
their probability of faillure is
(L2+L3+4L4)x(S2) or 0.04. This
process 1is carried out for every
element, and the final failure
probability is the sum of these
values.

CRACK DATA and PROBABILITY OF
DETECTION

A distribution of cracks determined
by a TCTO inspection of the 405 joint
is shown in figure 4. This
inspection was performed along the
aft tab of the rear beam cap
concentrating on the area near the
ground tie down fitting. Early in
the analysis and prior to
inspections, using a linear finite
element model, this region had been
cited as a possible failure area.
This turned out to be a reasonable
predictor of the actual facts. In
figure 4 the critical crack length
shown is for limit design load, and
the cracks indicated above the line
are therefore incapable of sustaining
limit load stress. Consequently,
these long cracks shed load to
adjacent areas.

A further important component of risk
assessment 1s the probability of
detection of crack data. Prior to
any analysis a probability of
detection curve must be applied to
the fleet crack data to account for
the cracks not found during
inspection. This'analysis used the
estimated probability of detection
based on the "Have C(Cracks Will
Travel" program. The risk ané.ysis
f the 405 joint was Theavily
sependent on this probability of
detection data since development of a
new curve would have been a cost
intensive procedure.
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WEIBULL, DISCRETE CRACKS, and
STRENGTH DISTRIBUTIONS

Iritial cracking data for the
chordwise joint and splice fitting
was simulated using a Weibull
distribution. This statistical
analysis method was chosen for its
ability to predict future crack
initiation from a small sample of
actual data. However, log-normal
data regression would also be
acceptable and was used to predict
beam cap crack initiation. Weibull
plots display curulative crack
distributions adjusted to average
flight hour wvalues. From this
distribution cracks can be generated
and grown out to flight hours of
interest.

Figure 5 shows a discrete crack
frequency distribution generated from
a Weibull distribution of the
inspection data. Both the chordwise
joint and splice fitting were
simulated using a Weibull
distribution, while the beam cag
distribution was generated from a
previously existing log-normal fit.
The cap data was simply updated and
used in this assessment. It turned
out that after normaliczing the crack
data to average flight hour levels
the fit tc actual fleet data was
excellent. Furthermore, data
obtained subsequent to this analysis
during current repair actions
continues to match the predicted
distribution. The data shown in
figure 5 is for a sinagle element at a
single point in time. Distributions
such as this one need to be generated
for each element at each time for
which the risk is to be calculated.

Fach element in the analysis requires
a strength distribution curve so that
for a given crack iength an resulting
strength can be determined. A
theoretical strength curve is shown
in figure € using the approach of

Fedderson. This method allows
strength predictions for both the
linear elastic range between

approximately 80+ of the yield
strength out to 1/3 of the width and
also for the areas outside of the
linear elastic fracture mechanics
range. Knewing  the frequency
distributions of crack lengths and
the resulting strengths remaining in
each element, a probabilistic
strength distribution can be built.




NON-LINEAR FINITE ELEMENT MODEL

DECISION CHARTS

The non-linear finite element model
was an essential component of the WS
405 wing Jjoint risk analysis. A
linear model would have  been
sufficient for bolt load calculations
and normal slow crackgrowth stresses,
but for severed parts a non-linsar
model was required. The 405 joint
model consisted of 10,000 elements
with each non-linear run taking
approximately one day. The model was
originally constructed tc provide
information on stancard crackgrowth
stresses, and it was later modified
to generate non-linear data.
However, by creating load versus
stiffness curves for each bolt load
and iterating run by run until
sufficient accuracy was achieved,
non-linear calculations were only
required on about 250 bolts.

CRACKGROWTH DATA

Figure 7 shows three crackgrowth
curves typical of the chordwise panel
splices. From the failure tree there
are three ways that the chordwise
joint can fail, and these failure
modes correspond to the three
crackgrowth curves. As shown, it can
fail with all structure intact, it
can fail due to extra load carried
because of a failed beam cap, and it
can fail due to prior failure of both
the beam cap and the major splice
fitting. The crackgrowth data is also
used to reduce the field inspection
data to desired flight hour values.
This 1s a necessary step since each
aircraft is at a different flight
hour value when an inspection is
performed.

LOADS CURVE

Figure 8 shows a typical load
exceedance curve from which
probabilities are  taken. The
probability of incurring a specified
stress level is calculated as l1-e”
with N being the number of

occuriences. The stress level 1is
plotted along the x axis with the
probability of enceedance plotted
along the y axis. Again, for every

element in the failure tree a load
exceedance curve must ve generated.

The next two figures, 9 and 10, show
typical results of the risk analysis
discussed 1n this report. The
numbers shown are not actual
calculated values but merely serve as
an 1illustration of the process.
Figure 9 shows the probability of
failure for an average aircraft at
33,400 flight hours. The second
chart shows the resuiting reduction
in risk due to an x-ray inspection of
the joint area. It is important to
remember that the wvalidity of the
analysis depends on the accuracy of
the probability of detection data. A
primary value of <these decision
charts is that they <learly show
which areas must be protected to
ensure safety.

SUMMARY

The risk assessment of the C-141 WS
405 wing joint has provided valuable
input for decisions regarding a real
alrcraft  problem. Cooperation
between Lockheed and the Air Force
combined with a reliable database has
yielded a force management approach
that 1s capable of safely executing
corrective actions to the 405 joint
problem.
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RCOM!NAL CRACKX SIZE ({INS)
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WS 405 Risk Assessment
Typical Crack Frequency Distribution
Generated from Weibull Analysis ®
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WS 405 RISK ASSESSMENT
FAILURE DECISION TREE
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ASSESSMENT OF IN-SERVICE AIRCRAFT FATIGUE MONITORING PROCESS

by

RJ. Cazes
Dassault Aviation
Breguet
78, Quai Marcel Dassault
92214 Saint Cloud
France

ABSTRACT

Maintaining the structural integrity of aircraft depends
on the initial definition of an inspection program
(updated during the entire aircraft operaticnal period) to
detect structural damage that may occur in service.

Prediction of possible fatigue damage due to applied
loads and conditions of use encountered in seivice is
based on an analysis of the probability of incipient cracks
and on an evaluation of the development of undetectable
faults assumed to exist between two inspections.

The validity of evaluation models is generally demonstra-
ted based on comparisons with results obtained or.
clementary test pieces subjected to predicted (or
recorded) local load conditions in service and used to
identify the influence of events such as rare overloads, or
frequent repetitive small loads, etc...

This paper presents the principles for processing in flight
signals collected in order to predict structural damage by
making in flight integrated calculations, considering
influences such as:

- load signals precision (frequency of points
taken...),

- eclimination of low amphtude variations, ...,

- cycle counting methods for the damage
calculation ("Rainflow”, sequence lengths
processed, ...),

related to performances of damage prediction models,
constraints on industrial construction costs and
minimizing tasks of in flight data recordings.

1- INTRODUCTION

The structural behavior of aircraft in service concerning
fatigue and tolerance to damage is one of the main
aspects of the cost effectiveness of their commercial and
operational use. The cost of maintenance programs,
defined to respect safety and structural dimensioning
standards, is directly related to the precision with which
loads encountered in service are known, and the accuracy
with which their effects vn structural integrity can be
evaluated.

Defining efficient structural monitoring requires that
preventive or remedial service work is minimized, while
maintaining maximum operational availability and life.
The essential coherence of inspectiuns to be carried out,
suited to the individual nature of each type of usage for
aircraft in service, makes use of principles used during
the structural design in regard with the planned usage
objectives.

This paper presents the basis for an application of the
conceptual structural analysis principles to the in-service
evaluation of fatigue damage initiation (probability of
incipient fatigue defect) and damage tolerance capability
(propagation of undetected faults assumed to be existent
at any time).

For this purpose, the impact of load parameters, as used
during the structural design, is estimated with respect to
dispersions that are inescapable in fatigue, inherent to
the microstructuse of the material and the uncertainties
in fatigue behavior prediction models.

These results, quantified in usage times, help to define
constraints for the acquisition of significant parameters
in terms of the necessary (and only necessary) precision,
volume and reasonably justified cost of data processing
considering industrial production constraints, and finally
minimization of tasks by systematically preparing results,

Presented at an AGARD Meeting on ‘An Assessment of Fatigue Damage and Crack Growth Prediction Techniques,

September 1993.
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2 - APPLICATION
ANALYSIS CONCEPT

7 V- $tructural design to fatigue and damage
{olerance

Different concepts are involved for the in fatigue
structural design. Main of them are hereunder
summarised :

AIRCRAFT FATIGUE AND DAMAGE TOLERANCE

NFUGHT
FINITE CLEMENT
SO UCTANOW ANALYSIS
Criticat lecations
e Structurs! respense
FATIGUE LOADING SULLT-IN

Local Stress Nistory

MATYERIAL DATA SASE
Raprasertativa tests

AIRCRAFT
DIMENSIONING
and
MONITORING
CRACK INITIATION FRACTURE ANALYSIS
ANALYSIS Stress Inlensity Factor
Siress lile Rasidual Strangth

CRACK PROPAGATION
ANALYSIS
Initial delects,
Refardation affects

2.2 - Objectlves of monitoring in gervice
Maintaining the in service aircraft structural integrity
relies to the definition of a program of inspections in

order to detect structural degradations that are likely to
occur in service.
The definition of this program, is directly linked to the

results of the previous (sheduled) inspections and io the
knowledge of the in service encountered loads.

AIRCRAFT IN SERVICE MONITORING

[ FuGHT usace LoaDS DEnTIFICATION |
1

“STATIC® “FATIGUE® USAGE
RESISTANCE COMPUTATION “STATISTICS”
[}
Comparison Structural Basis for
o inspections calculations,
allowable loads periodiciti lest, ..

Real conditions of use on aircraft consists in a basic data
setio:

. detect if allowable structural loads are exceeded in
service,

- update inspection programs in order to maximize
the econcmically viable structural life,

- define usage statistics for confirmation/revision of
calculation bases, when taking them into
consideration in the structural response model.

2.3 - Study presented

The proposed study starts from the involved *Fatigue and
Damage Tolerance” design basis as hereunder proposad :

STRUCTURAL FATIGUE EVALUATION PROCESS

EXPECTED iN-SERVICE
USAGE LOADS MESURED LOADS
(DESIGN) (MONITORING)

N /

LOCAL STRESS HISTORY

/ AN

CRACK INITIATION CRACK FROPAGATION
{Probabiiistic) (Deterministic)

] i

Retative Miner’s rule Paris : Law + Toughness
{3 x Lifetimes) (2 x Liietimes)

First inspection Periodicities

It will be pointed out the significance of the precision of
in service loads stress acquisition (or reconstitution), or
assumed types of structural degradations (cracks
profiles).

The results obtained help to define ~onditions for an
identification of in-flight parameters consistent with their
influences on the in fatigue structural behavior (1} and
uncertainties in the prediction models {6}. The presented
Principles have been implemented for the definition of
aircraft MIRAGE 2000 monitoring system. Findings of
MIRAGE 2000's experience will be presented as a
conclusion.




3- INFLIGHT SIGNAL PROCESSING
3.1 - Signal processing stepy

The following diagram describes the functions carried
out (eatirely or partly) in flight, in order to calculate local
damage due to in service loa-s such as loads gusts
(transport aircraft) or such as loads in resources and

manoeuvers (military aircraft).
SIGNAL PROCESSING
In flight signals
DATA ACQUISITION
- Analogue signals
- Digital signals
DATA COMPRESSION CONVERSION
«—s| of MANOEUVERS
- Sort logic - Local stress history
- Thresholds, filters - Local forces
STORAGE COUNT™NG METHOD
-of data —= 1 . Rainflow
- of results - Summation matrices
FATIGUE ANALYSIS LIFE
(Miner's relative law) (first inspection)
PROPAGATION ANALYSIS PERIODICITY
(Paris's law) (subsequent inspection)
|sTATISTICS Fleet management |

The specific nature of each step in terms of precision, the
number of representative sclected parameters, the
*fincness® of tables of stored values, can affect volumes
of informatioas to be processed, or even the feasibility of
processing for operation without long and expensive
systematic actions to be carried out by users.

Some of the most significant aspects are presented in this
paper.

(*) Flight analysis parameters :
- flight conditions (Mach, Zp,...)
- control deflections
- weight configurations

14-3

3.2 - Generating structural responges
3.2.1- Principle

*Pilot* damage monitoring arcas are selected beforchand.

Knowledge of structural local stress in flight due to real

aircraft operating conditions may be found by :

- direct measurement of the locai stress or significant
structural force (strain gauge, ...)

- reconstitution of variations of the local stress and/or
representative forces.

When locai structural information is ot collected

directly, the faisability may be considered on modern

types of aircraft without specific devices for data

collecting : for example, on board existing parametere for

Electrical Flight Control Systems can be used to calculate

structural forces in pitch, roll and yaw manoeuvers.

3.2.2 - Converslon of signals Into local gtresses

For a military aircrafi such as the MIRAGE 2000, the
used dimensioning modk.1 is based on values of about 16
main "acrodynamic® parameters associated with mass
configuration parameters as in tk.: left bottom (*)
summarized. A preliminary parametric study [2] allowed
to reduce the number of basic parameters to 7

(6 analogue + 1 digital) without significant descrepancy
as shown hereunder :

STATION LOAD ANALYSIS

g-Mancsuves
IN-FLIGHT DATA l
ol manoeuver L
rolting pul up CALCULATION PARAMETER

Number of Basic Parcmaters STRUCTURAL REPONSE
Design tool 23 |oe (local stress)
Monitoring system [ ]

Loads correlation {1 flew hour}

o preaced fF ]

Mo 1

i

@ sctuai : in-Nlight atrain gage ] . »
o P < with "

1T

P

It

FEE

ITIT
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Starting from such ea “approached” reconstituiion of in

Computed results according frequencies are hereunder

service encountered loads, the resulting “STATIC® and summed up (MIRAGE 2000's example) :
“FATIGUE" magnitudes of accuracy are :
COMPUTATION ACCURACY Sampling G-Load history
frequency SOHz § 10Hz 1Hz
STATIC Normalised value
Basic complete model 1 Static maximum 1 0.99 098
(normalised value)
6 parameters 09<Fmax<1l Damage value 1 100 | 098
(Miner’s law))
FATIGUE Normalized value D Sampling Elzvon deflexion
Basic complete model 1 froquency SOHz f 10Hz | 1Hz
6 parameters 095<D <108 Static maximum 1 | 0% | o7
(normalised value)
damage value 1 098 0.80
This approach does not generally require the installation (Miner's law)

of specific gauges on the aircraft, and should be
recommended especially when a computer model was
built for sircraft structural responses at the time of the
design.

3.3 - §Slgnal acquisition (analogue parameter)

A fatigue load is qualified by a succession of its
component minima and maxima. Acquisition of these
extremes as accurately as possible may be therefore a
controlling condition at the source for the quality of the
resulting fatigue evaluation.

The following chart is a simulation of the influences of
inputting, at different sampling frequencies, a real signal
from a combat aircraft flight . 1t concerns variations of
the g-load factor (slow variations = 0.5 Hz) or a control
surface angle (“fast® variations = 10 Hz).

FILTER SAMPLING FREQUENCY
y L il Elevon deflection P :
Ll 1 13 o | l I i _I
i i) [ g _h.lt{’.
P A
™ -
i
b T
y time
b -
(1) 2Eg ' {
v [T
- i _{l
-"L
rH - l-j

This type of preliminary analysis concerning sampiing
froquencies can produce a significant *saving® of in real
time flight parameters processing. 1: concerns one of the
most critical items for the monitoring device feasibility, ...
and its cost/efficiency ratio.

3.4- iesslon Ired In 1]

A first sort carried out in real time eliminates
intermediate values from the signal to be processed, and
keeps only extreme values. Also low amplitude
altermations (minimum, maximum) are gencraily only
kept above a given variation amplitude “threshold®
{omission of small cycles).

DATA REDUCTION THRESHOLDS
um SoNAL ' oY COMPUTIS SOmAL
Dote precseing

Aol




Increasing the sort “threshold” can reduce the volume of
sored dela, without a significant intiwence on Miser's
pradictioa (see example below: oa a typical combat
aircraft flight).

Threshold for “G-Load" data

Normalizedresults |0S5g 1g 15g 2g

Volumeofdatastorage |1 072 037 082

Damage evalustioa ). 097 0% 09

Remark : the resulting “oméssion of small cycles®
parameter is however controlling (1], perticularly s the
casc for gust loads on Lransport sircraft, in terms of life 1o
incipient cracks or propagation (see comparstve iable
below established for wnderwing ioad history)

LIFE RATIO Small cycles omuting
Tests (*) Initiatson Propagation
Miti TWIST x2 x2
Shont FALSTAFF x| x|
(*)Ref | -Fig?

The estimate of this “small cycles influence” on the
quality of fatigue predictions should be consdered from
the preliminary stage of stress design A result would be
the choice of data threshold 10 be recommended 1 order
10 obtain a results precision homogencous with other
parameters.

3.5 - Crcle counting methed

The order of successive maxama and minima will heve 1o
be rearganized in order 10 carty out the processing for the
fatigue and crack propagation for the local stress
sequence. The “Rainflow” methc 4 {3] is one of the most
representative methods for the local stress/deformation
behavior a8 illustraied below

DAMAGING CYCLES FROM TIME SERIES DATA
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peak-through detection in a vaniable amplitude time

a description of Joads data compatibic with the illustraied
stress/strain behaviows of fatigue critical ares. Moreover,
after sorage of identificd cycles by the mean of matrix
sunmations, # 15 posable 10 reconstitue represcatative
loads sequences froem the recorded Raiaflow sutnoes (4]

I principle, “Rainflon” procedure 15 performed a the
ead of the signal recording. afier the siorage of each
faght by flight data (extremes should have t0 be stored 1
their chronologacal order)

A comparstive computation (carned out usiag 3 fightcr
aircrall joad Mestory) makes u possible 10 consaders 3
progressive Raiaflow siorage procedure. nhen
memonneg a himasted sumber of sclected previoss
extremes, without igmficantly affecung the qualiry of
theontical computed damage

Such a preluranary invesugation allows a flight by fught
“Ranflow” procedure at the end of each flight or dunng
the Night at any ume (manocuver domunaed spoctra)

3.6 - Crack initistion gnd prepagaticn prediction
Salcuistions

3.6.1 - The Mincr medel (crack initiption)

Miner's cumulative law spplied universally for damage
appearance by the /N = | formulation should be used
with the recalibraion concep? (Mincr's relatrve law) on
test results under muluple levels stress hustones

However, tus axcthod 15 gencrally incapable of takung
account of the “smalf cycles® influences oa fatgue ives
Miner's computed damage values are quite the same
wiule the 0n tests mitiation ives vane sgnificantly (soe
secton 3 4)

More over, it does'nt reflect the bencficial effects of
overioads, the harmful effects of truncating forces, as
shown hereunder

LIFE RATIO High loads truncation
Tests (*) Initiaton Propagation
TWIST x 1) in_ |
FALSTAFF x /18 x 17

(*)Ref.1 - Fig Sand 6
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3.6.2- The siren Intcasity factec (propazstion)

The following diagram coasiders cases of fatigue defects
8 service actually obeerved (3], oa MIRAGE 11 combet
aircrafl  semi-elliptical fatigue cracks om bores in thick
tensioned base plates Identification of defect depths
wting eddy cusrests devices reveals a high profile

dispernion (L/a ecorntricity)
SCATTER OF CRACKS PROFILES
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o8 the hereunder dagramm) (Teate Propagae- e bames
M\ﬂ}nkﬁm&&rﬁnw«hﬁﬁ
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The &spernoa concept, raherend b amy repeased py ol
obscnatoa haghly conceras the Dt gae Bedusvior of
aatenals The &ratnbutson of expencntal remudts
often charxienrod as 3 Goursian eormal Lre wih e
value 3nd sandard dovatbon, the orders of magratude of
which are representtn e of e manmum sigraficance
that could be cbtauned f-om 1melation madels

For example, in S-N curves, interpretation of s standard
deviatioa of 0.10 (frequent on aluminium alloys) in a
normal log distribution, will give a factor of 2 oa the life
at sbout J standard deviations (associated probability =
0.091).

In terms of predictionfies. ratios, the resuits presented
below (6] are prepared foc loads representative of stresses
at the intsados of transport type aircraft wings ("TWIST®
or “F27° 10ad and 2500 flight sequences) or mulitasy
urcrafl wings ("FALSTAFF" load and 200 fligix
sequences)  Several vanations of each load type have
been considered by 3 diYerent distribution of severe
Mights, cesssion of small cycles, or truncaton of the
hugh levels encountered loads dunng the flight sequences

RELIABILITY OF CRACK PREDICTION PATTERNS
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3.8 - Usage “statlstles”

The Rainflow method keeps numbers and levels of
recorded maxima and minima. Buildirg up of count
summations by “class® matrices thea enables the use of
structural behavior prediction models.

These summation matrices built up by flight phase, flight

or group of flights, are used to count load factor
occurences, force spectra or local stresses, eic.

Random drawing methods help to generate flights and
loading cycles in order to carry out representative tests of
ccnditions encountered in service, 1o evaluate the
structural behavior (maintenance anticipation), to
prepare updated 4ata (modify theoretical initially
assumed calculation basis).

4 - CONCLUSION
4.1- Apptication to alrcraft menltoring system

The generalization of monitoring structural damage to
aircraft in service is a phenomenon that will soon
increase in coming years with the development of
eflicient on-board computer systems.

Moreover access to information already available in
flight for other purposes, for example Electric Flight
Controls Sysiems (EFCS) gives an unprecedented
opportunity 10 learn about real forces on aircraft during
use.

In regard with predicting structural behavior in "fatigue”
and “tolerance t0 damage”, this paper has emphasized
the necessary cohesion (and precision/imprecision
homogeneity) on the various signal scquisition and
peocessing parameters. The criteria for this processing,
done in Nlight, are defined with respect to inescapable
effects such as dispersions of responses of materials
under fatigue loads, the influence of ignoring small force
cycles and uncenainties in prediction models.

Such 2 study have been achicved for the basic definition
and industrial development of the Dassault Electronic's
system “SPEES" as implemented on several French Air
Force aircraft for in service damage or loads evaluation.

Choices (acquisitien frequency, signal sont thresholds,
result matrix dimensions, etc...) have been made
considering their impact on calculated forces and lives,
and with the objective of minimizing tasks for users.

42- E 2000’s experien 1

The MIRAGE 2000 performed hee maiden flight in 1979

and has been demonstrated to comply with required
Technical Specifications with important static strength
margin (1,7 limit load withstood without failnre) and
high durability (5 x life times simulated on a Full Scale
Test Article without failure).

However, as a result of in-service usage data processing,

the aircraft was found to be much more severely handled

(since pilots relie on the automatic protections provided
by the EFCS) than expected from the initial design
Technical Specifications (see figure below),
MIRAGE 2000 : FATIGUE RESISTANCE SPECTRA
HING RUGT BENDING MOMENT
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The in-fatigue spectra and usage processed data,
combined with stringent static design conditions due to
new capabilities increasing weight and load inventories
(such as underwing 2,000 1. fuel tanks or under-fusclage
additional stores), were the basis of strengthening the
structure for the current production aircraft.

Consequently, the MIRAGE 2000 structure capability
has been raised up to 9 g in 2 wide range of interception

and combat aircraft, and including an outstanding fatigue

resistance.

In service recorded data have been processed, when
considering the presented stzess histories effects, for
defining the subsequent loading conditions of a fatigue
test of a production line random wing. Three life times
have been completed in March 93 before appearing the
first cracks in their carly stage. Test is going ahead (a
fourth lifetime and residual strength tests) for damage
tolerance capability demonstration.
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THE ROLE OF FATIGUE ANALYSIS FOR DESIGN OF MILITARY AIRCRAFT

R. Bochmann and D, Weisgerber
Deutsche Aerospace AG, Military Aircraft Division
Department LME 221
PO Box 80 11 60, D-81663 Munich
Germany

1. SUMMARY

A brief overview of the fatigue design method employed
at DASA (Deutsche Aerospace AG) for combat aircraft
is here presented. The efficiency of the fatigue analysis -
as embedded in the overall design process - is discussed
and compared with full scale testing. Furthermore,
possible improvements in the method are suggested.

2, INTRODUCTION

For the fatigue design of military aircraft most of the
european A/C industry has not adopted the damage
tolerance procedure used by the US industry but stays
with conventional safe life concept. Since the
requirements arc specified by the customer, i.¢. ihe
Ministry of Defence or Air Force, a gencrally good
confidence in the 'safe life’ design may be presumed in
Europe. However, a periodic critical review of the
analysis methods should be performed, and finally a
comparison of full scale test results and service
experience with tie initial predictions may lead 10 a
revision or refinement of the analysis methods.

A brief description of the {atigue verification process
presently used at DASA is given below, and in particular
the problem areas are discussed and possible improve-
ments proposed.

3. BASIC DATA AND ANALYSIS METHOD

3.1 Requirements Specified by the Customer
The fatigue life requirements spscified by the customer
or operator normally comprise of:

- required service life
- peace time missions including breakdown and
configurations
- manoeuvre spectrum (provided as g-exceedances)
- safety factor (scatter factor) for test and

analysis

3.2 Analysis Methods Used for Metallic Structure

In spuie of many rescrvations expressed in numerous
publications Miner's cumulative damage rule is still used
at DASA, and is obviously still the most widely uscd
analysis mcthod - ccrtainly due 10 the simple and
universal applicability. A study performed ai DASA

already in 1978 (Ref.1) revealed an acceptable accuracy
for typical fighter aircraft spectra (Fig.1).

max. Stress [Nmm*2]
350

Spectrum: n, - Spectrum
i Matedal: 7075 T7351
300 1 ; Ko 25
250 1§
200 1
150 1 N
onginal Liner elementar Miner
100 unsale | safe
—
50
01 ! Test Life 10
Calculated Lite

Fig 1 Example for Miner's Rule compared to Test Results

A compuicr programme has been developed that uses
the Weibull equation of the form shown below 10
approximate the S-N data.

$ =Cl1+(C2-Cl)/exp((IgN /C3) C4)
or

Ig(N) = C3 * (In((C2 - C1)/ (S - Cl))) 1/C4

where:
S = nominal suress
N = number of cycles to failure
Cl1, C2, T3, C4 = constants derived by regression
analysis of test results

An cxample is presented in Fig.2

Programme inputs arc the maximum and minimum loads
of cach discreie load step together with the occurrences
in the spectrum. The stress level is determined by input
of a scaling factor. In addition, an iteration routine
allows a quick asscssment of the stress level for any
predetermined damage sum.

'f appropriatc full scale or component test results of
previous projects are available a relative Miner's rulc has
been frequently adopted for similar structural details.
Thereby, a damage calculation is performed with the test
spectrum up 1o failure. From the databasc a S-N data-set
is sclecied that best fits the structural detail of the test
specimen as well as that of the saructure to be analysed.

Presented at an AGARD Meeting on ‘Ait Assessment of Fatigue Damage and Crack Growth Prediction Techniques,

September 1943,
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The resultant damage sum for the test failure is then also
applied to predict the allowable stress for the structure to
be analysed.
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Fig2 Example for S-N Curve

3.3 S-N Data for Metallic Stru: ture

A suficient database i S-N d..a 1s essential to anaiyse
all type of structure. The S-N data are derived from
coupon tests and cover:

- standard aircraft material

- geometric notches

- riveted and bolted joints

- lugs

- other cffeets (c.g. welding, surface treatment,
cheinical milling ctc.)

Furthcrmore, test results of full scale tests and compo-
nent tests are available.

In this context the life improvement processes like shot-
peening and cold-cxpanding of holes should be
mentioned. The policy adopted is to use these processes
not for initial design but as a cost-cffective potential to
increase the fatigue life of structure that failed during
fatigue testing.

3.4 Consideration of Temperature and Cnrrosion

The effect of in-service environment on fatigue is
considered to be negligible for most of the structure. It is
assumed that the applied surface proteetion will
sufficicatly prevent corrosion and, if required during the
service life a re-protectinn will be carricd out.

The temperature spectrum due to acrodynamic heating is
to be based on the peace time missions. A degradation of
the fatigue properties in conscquence of this spectrum is

unlikely to be encountered for the typical aircraft
materials. However, for areas close to other sources of
heating, e.g. engincs, a reduction of the fatiguc
characteristics must be taken into account.

Consideration is also 10 be given to the occurrence of
thermal stress cycling as a result of teinperature
variations on different materials jointed together.

3.5 Fatigue Analysis Policy for CFRP

For CFRP structure, whether the components are
undamaged or predamaged (dclamianations), fatigue
analyses have not been performed up 1o present.

The reasons are:

- The design allowables (strains) are significantly
below the allowables determined by fatigue.

- Reliable analysis mcthods a2ic not yet available.

- Extensive fatigue testing of CFPR components under
representative loading have neither shown any
development of damages nor the growth of
artificially introduced delaminations.

In spite of the superior fatiguc propertics of CFRP for
future projects consideration should be given 10 the
following:

- Repeated buckiing of CFRP structure may causc
fatigue damage. Therefore, buckling should be
avoided up 1o the maximum scrvice spectrum load.

- In the case of conventional joints failures have been
obscrved at fasteners.

- Al repair patches, damage growth may occur -
particularly under hot/wet condition - if the bonding
is insufficient,

- Generally in CFRP strueture, damage will develop
under fatigue loading (Fig.3). Consequently,
with changes of the design allowables or the life
requircments the necessity of a fatigue analysis
should be eonsidered.
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4. PRELIMINARY FATIGUE ALLOWABLES
Already early in the development phase fatigue
allowable stress levels are being established for the
various parts of the aircraft. The loading spectra used are
either the g-spectrum for all aircraft structure predo-
minantly loaded in lincar correlation to the load factor
nz, e.g. wing box and large areas of the centre fuselage,
or component spectra of previous projects modified, if
required, to take into account obvious differences
regarding the usage.

The allowable stresses are usually given in nominal
stresses in the net section. They are presented in a
graphical form stress vs. stress concentration factor K
(Fig.4) or as allowable stress levels for typical riveted
ard bolted joints and also for lugs of various gcometries
and sizes.
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Fig4 Allowable Stress vs K;

For the major load carrying components, ¢.g. fitting of
wing/fusclage attachment, the results of carly develop-
ment fatigue tests are used for final design or, a read-
across from previous tests on components of similar
structure and material is possible.

Generally, the early assessments of fatigue allowables
have a tendency to be pessimistic.

As soon as more accurate loading spectra arc available,
particular  from computer simulations of typical
manocuvres, the allowahles are updated.

5. USE OF FATIGUE ALLOWABLES
Since commonly FEM calculations are performed only
tor load cases that are defined by static design
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requirements these have to be used also for fatigue
design. If the most severe load case for a particular
component, covering the whole flignt parameter
envelope, would be chosen for fatigue design, an
arbitrary conservative result would be achieved.

To avoid extreme conservatism, those load cases are
selected for use in conjunction with the fatigue
allowables which lie within the envelope of the peace
time missions. The main parameter to be considered are
load factor nz, roll rate, mass, configuration, altitude and
speed. Since the envelope for static design is much
wider it is often difficult to identify suitable cases. In
practise those cases close to the envelope of the mission
requirements are included. However, ‘exotic’ cases that
are unlikely to occur during the aircraft life of the
majority of the fleet are delcted.

A further problem is the occurrence of combined
stresses. In this case the maximum principal stress is
used in conjunction with the fatigue allowables.

The fatiguc allowable stress has to be compared with the
calculated stress of the considered section and should
give a ratio Sallow/S >= 1.0 which may be regarded as a
measure for the fatigue quality.

It is the stress engincers responsibility to apply the
allowable stress correctly during stress analysis. Advice
from the fatigue specialist is available whenever
requested. For the major load carrying components the
involvement of the fatigue specialist is mandatory.

6. DETAILED FATIGUE ANALYSIS

The major structural components and joints arc usually
subjected to a detailed fatigue analysis using final design
information with regard to:

- loading spectra
derived from manocuvre simulations and nsing
rainflow counting method

- stresses
using detailed stress assessment or strain
gauge measurements obtained from full scale
static test or early strain gauge readings from
the full scale fatigue test

Since the analysis is performed late in the design
progress a shortfall in predicted fatigue life can have a
considerable effect on the structural qualification
process.

7. QUALIFICATION TESTS

At the end of the fatigue verification process a full scale
airframe test will prove the accuracy of the fatigue
design and form the basis for the in service fatigue hfe
monitoring. The test loading has to be based on the
customers requirement. The load simulation covers all

;
®
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load vaniations that are likely to effect the structural
fatigue life, including manocuvres, gusts, buffet,
airbrake  operations, landing impact and ground
operations, cabin pressure and also tank and air intake
pressure. In Fig. 5 an example is shown for the test
loading of an unsymmetrical manoeuvre that is obtained
from a computer simulation. The manocuvre is
represented by the time slices i t04.

[ABSIMRE LRI -]

L3800

Fig5 Test Smulation of an Unsymmetrical
Manoeuvre

Due to cconomic restrictions buffet and gusts arc usvally
tested in a simplificd manner on a damage equivalent
basis. Also the tank and air intake simulation is
simplificd with the purposc to achieve Iccally a
rcasonable  superposition  of loading caused by
manocuvre and pressurization.

Besides the full scale airframe fatigue test a number of
component qualification tests are required for those
items which are not embodicd in the airframe test
specimen, or replaced by a dummy, or not
representatively loaded.

Failures during fatigue qualification testing usually
induce a modifications of the relevant structure. The
immediate embodiment of the modificaticis in the test
specimen is the preferred solution. If an unreprescntative
repair is embodied in order to carry on testing the hife of
the modification has to be qualified separately.

8. IN SERYICE FATIGUE LIFE MONITORING
Once in service the fatigue life of the individual aircraft
life will be monitored relative to the qualification tesls.
This requires the installation of a sophisticated latigue
lifc monitoring system.

9. CRITICAL REVIEW OF FATIGUE
VERIFICATION PROCESS

9.1 General

The quality of the assessment of fatigue allowables is
largely affected by the availability of sufficient accurate
loading spectra for the individual parts of the aircraft.
Conscquently, the fatigue specialist always attlempts to
use the best available information during development
progress. If the derivation of a particular spectrum is
doubtful, then usually a somewhat pessimistic approach
is applicd. On the other hand, in order to accomplish the
aircraft mass requircments also the fatigue specialist is
often cncouraged o give up the ‘pessimistic assumption’,
whether or not this will finally prove to be truc. The
problem encountered during carly development may be
emphasized by the histogram shown in Fig. 6.
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Fig6 Chronology cf Fatigue Ventication Process

Also the stress cngincer who has 1o apply the fatiguc
allowables is faced with the problem of tight time
schedules and the need to perform detail stress
calculation for arcas recognized to be dimensioned by
the fatigue allowables.

Another point worth discussing is the fatigue analysis
method used. It is certainly disappointing to realize that




today in principal the same approach is used as more
than 20 years ago (Ref. 510 9).

However, if reviewing the proposed alternatives during
this period only the local strain concept seems to have a
promising prospect. The reasons why il is not used
during the development phase are simply:

- a large portion of fatigue critical sections are joints
where the local strain concept has not yet proved to
be applicable.

- a general superiorily compared to the nominal stress
aspproach has not always been achieved (Ref. 3).

In Fig. 7 to 9 some statistical evidence derived from the
full scale fatigue test for the TORNADO aircraft is
presented.

Fig. 7 Distibution of Damages in Major
Structure Parts (Ret. 4)

Fig.8 Typoot Camage (Ref. 4)
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Fig.9 Distribution ot Fatigue Cracks

9.2 Major Load Carrying Components

The major load carrying components in general receive
special attention with regard 10 detail fatigue design.
The loading spectrum is usually of good accuracy and
carly development tests - static and/or fatigue - are often
performed and necessary modifications can immediately
be introduced irto the design. Therefore, no significant
fatigue problems are encountered for these components.

9.3 General Structure

Whenever an unexpected failure occurs during a full
scale test or in service the guestion has to be raised:
Why has the criticality not been recognized during the
design stage?

It is common expericnce that a consiberable number of
unexpected cracks will develop during full scale testing
in sections that had not been identified 1o be cnitical. A
few of thcm may be attributed to unpredictable assembly
stresses or internal siresses due lo manufacturing
processes or evea 10 excessive scatler of fatigue
properties in a particular material. However, for the
majority of cracks the problems must be traced back to
the fatigue analysis process.

An attempt bhas been undertaken to survey and
categorize the fatigue cracks developed during the
TORNADO major zircraft faiigue test. The graph in
Fig.10 contains the cracks discovercd on the centre
fuselage up 1o 12000 simulated flight hours (75% cf the
required test life).

From that graph it can clearly be secn that a large portion of
the fatigue critical sections were not recognized because
the stress analysis was not sufficicrt, whether it was not
detailed enough, or the FE modei inaccurate, or for
whatever reascn. Another considerable portion was
categorized 10 be 'bad detail design’. Tt maijonity of
these details are secondary structure and therefore, the
structural integrity of the aircraft is not directly affected.
wevcrtheless, since inspections, repairs or modifications

®
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may be necessary these are important from an economic
point of view.

Spectrum incorrect
or 100 opimistic

Fatigue Analysis incorrecl
or 100 optimistic

Fig 10 Reasons for Nol Recognizing the Fatigue
Critical Sections (Survey ot Centre
Fuselage only )

The number of failures traced back 10 'fatigue analysis'
and 'load spectrum’ arc fairly small. An explanation for
the latier is probably the tendency to use pessimistic
assumptions if the spectrum is not clearly defined.
Finally, the fatiguc analysis mcthod obviously plays a
minor role with regard 10 the results of the full scale
fatigue test.

10. DISCUSSION

If it is assumed that the above findings about uncxpected
fatiguc failures are typical for A/C design, at lcast for a
similar type of aircraft, then some cssential conclusions
should be drawn.

Loading Spectra

As initially mcntioned the basic loading spectra and in
consequence the local spectra used to assess allowable
stresses arc usually in an accuracy range of good 10
conservative compared to the final definition applied to
the full scale testing. However, care should be given to
structural arcas significanily loaded by spectra of
different sources, ¢.g. manocuvres and landing loads, to
account for changes of mean load in the load history.
Today, computer simulations of flight manocuvres allow
the generation of spectra for the major loading actions,
including the loading and movement of control surfaces.
Unfortunately, the computer models are gencrally too
late available as 1o form the basis for the assessment ol
the fatiguc allowable stresses.

As a conscquence, it would be desirable to obtain carly
in the development phase compuier simulations of
acccptable  accuracy. Complete  load  scquences

according to the mission requirements could then be
buil up and used for fatigue analysis.

Stress Analysis

The stress analysis was found to give the major
contribution 10 the unrecognized fatigue critical
sections. This is rather disappointing since it is common
opinion that the FEM analysis is an excellent tool to
determine the sirength of the structure. However,
obviously it is not always successful for fatigue design
and thercfore, an attempt is made to investigate the
rcasons:

Since the total structure will be represented by a mesh of
finite elements an important criteria for accuracy is how
fine is the mesh. Does it sufficicntly cover details,
particular in a complex structure. For a number of cracks
this was not the case and the criticality was therefore not
recognized, as has been shown by strain  gauge
measuicments on the full =cale specimen andfor fine
mesh recalcutations for the relevant sections.

Another difficult problem is the representation of joints.
The stiffncss of the joints have to be predicted for
cmbodiment into the model. The cffect of stiffness
deviations on the overall accuracy may lave causcd
some of the fatigue failures.

Furthcrmore, the stress cngincer has to transform the
loads or strains/stresses of the finiie elements imo
nominal stresses which have 10 be comparcd 10 the
Tatigue allowable stresses. For a complicated structure
this is not an casy job and requires cxpericnced
engincers. An carly assistance from the fatiguc specialist
miay be helpful in many cases.

1t is obvious that cach oI the above mentioned points can
lcad to cither over- or underestimating of stresses and
consequently, in the casc of underestimating a fatigue
problem may be encountered. A stress analysis crror in a
member of a statically indetcrminate  structure  with
multiple redundancy can - to some degree - be tolerated
from a static strength point of view since during static
testing the load will be redistributed as soon as nonlincar
deformation occurs. However, in case of fatiguc loading
- which represents the inservice loading - the full load
spectzwin waill normally be acting and fatigue damage
according to the correct stress level will be accumulated.
Finally, also a non-technical aspect should be
mentioned. Since often a tight time schedule is pressing
the stress engineer o release the drawings, he may
sometimes primarily check the static strengih and -
knowing the problems of predicting accurate local
Tatigue stresses - be forced 10 rely on the results of the
full scale fatigue test.

Detal Design

With increasing complexity ol the structure also the
danger ol unfavourable detail design increases. A great
deal ol knowledge and experience regarding opumum
design against fatigue is required to avoid these fatigue

Y




problems. A ‘feeling' for load flow, structural
deformation and material capability are important to
deal with complex structures.

Comprehensive information in the design handbook are
certainly of great help, particular for young design
engineers with little experience.

In spite of all precautions taken to avoid these failures
happening it is certainly wise (o accept that a perfect
detail design throughout the complete structure will
remain a dream.

Fatigue Analysis

The fatigue incidences attributed to incorrect fatigue
analysis are dominated by a typical crack pattern. The
cracks developed in the flange of a frame, perpendicular
to the short transverse direction. Thus, the degradation
of the fatigue prooerties in the ST direction has been
disregarded. Therefore, care must be taken not 10 miss
any structural details that are detrimental to the fatigue
characteristics.

Whether for a safe life design Miner's rule will soon be
superseded by a more sophisticaied method remains
doubtful. Further improvements or modifications of
Miner's rule - e.g. adjustments based on results of flight-
by-flight component tests - scems to be more likely. In
this context the generation of an international databasc
(as proposed previously, Ref. 10,11) covering flight-by-
flight test results for structural details and also for full
seale specimens would be greatly appreciated. 1t should
contain all information necessary to allow the re-
analysis of the test failure. Thereby, it will be possible 1o
adjust the relevant analysis parameter.

11. CONCLUDING REMARKS

For the major load carrying parts, attracting special
attention with regard to fatigue, gencrally no significant
problems are expected for the finai built standard.

For gencral structure it can clearly be concluded that the
fatigue analysis alone is by far not the weakest link in
the total fatigue verification process, at least for a fighter
aircraft. The main potential for improvement can be
assumed in the stress analysis ficld. In consequence of
the problems discussed also a change in design principle
from ‘safe life’ w ‘damage tolerant' would not
automatically result in an improved cfficiency of the
analysis. This docs, of course, not question the basic
differences between the two philosophics.

As an obvious conclusion it has 0 be repeated that
comprchensive full scale testing of the totl airframe or
comporients remains an essential part of the fatigue
verification process.

However, for present and future projects a gradual
improvement of the analytical part of the fatigue
verification process is expected. This optimistic outlook
is mainly bascd on the fast development of computer
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software and associated tools used in the disciplines
loads, stress and fatigue analysis.

REFERENCES

1.) MBB-Report UFE 1459, 1978, "Lebensdauervorher-
sage fiir Kampfflugzeuge. Experimentelle und theore-
tische Untersuchungen zur Uberpritfung  neuer
Lebensdaverberechnungsverfabren, Teil 2°.

2.) Arendts F.J., K.O. Sippel, D. Weisgerber, 1980,
"Constant Amplitude and Flight-by-Flight Tests on
CFRP Specimens, AGARD-CP-288

3.) Buxbaum O., H. Oppermann, H.-G. Koéhler,
D.Schiitz, Chr. Boller, P. Heuler, 1983, "Vergleich der
Lebensdauervorhersage nach dem  Kerbgrundkonzept
und dem Nennspannungskonzept®, LBF-Bericht Nr.FB-
169

4) 1ABG Intcrnal Report B-TF 2860, 1991,
"TORNADO - IDS, Major Airframe Fatigue Test, Final
Report”

S.) Maxwell R. D. J, 1971, "The Practical
Implementation of Fatigue Regircments to Military
Aircraft and Helicopters in the United Kingdom, Proc.
6th |ICAF Symposium, Miami Beach USA

6.) Schivie J.,, 1972, "The Accumulation of Fatigue
Damage in Aircraft Materials and Structures”, AGARD-
CP-118

7.) Schiitz W., 1972, "The Fatigue Life Under Three
different Loading Spectra - Tests and Calculations”,
AGARD-CP-118

8.) Schivje J., 1973, "Aspects of Acronatical Fatigue”,
AGARD-LS-62

9.) Schiiz W., 1973, "Fatigue Life Prediction - A
Somewhat Optimistic View of The Problem”, AGARD-
CP-118

10.) Heuler P, W. Schiitz, 1985, “Fatigue Life
Prediction in the Crack Initiation and Propagation
Stages”, Proc. 13th ICAF Symposium, Pisa ltaly

11.) Schivje J., 1985, "The Significance of Flight-
Simulation Fatigue Tests”, Proc. 13th ICAF Symp-
osium, Pisa ltaly

L




DAMAGE TOLERANCE MANAGEMENT OF THE X-29 VERTICAL TAIL

J. Harter

by

Wright Laboratory
Wright-Patterson AFB
Dayton, OH 45433
United States

SUMMARY

During high angle-of-attack (aca) less than 25 degrees, the
X-29 experienced severe vertical tail buffet. Fin tip accelerome-
ter data exceeded 110 g’s at approximately 16 Hz. The U.S.
Air Force Flight Dvnamics Directorate was ask2d to provide
technical support to ensure that the entire X-29 flight test
program could be safely conducted.

The Night Dynamics Directorate transitioned an in-house
developed crack growth life prediction program (MODGRO -
Ref 1) to the X-29 program office and NASA/Dryden aa well
22 extensive tecanical aupport. Three dimensional crack
growth analyses were conducted between flight days to track
posaible damage growth based on actusl strain data collected at
eritical areas of the vertical tail. The entire high aca flight test
program was completed as planned using MODGRO to predict
damage accumulation and used the data to manage flight
maneuvers to maximize useful flight data and minimize
structural risk.

A follow-on flight test program was conducted with the X-29
to assess Vortex Flow Control. Repair to the tail was required
to complete this mission. Analysis and verification testing of
the repair was performed by the Flight Dynamics Directorate.
At the end of that flight test program, less than 10% of the
repair life was used.

1_BACKGRQUND

Many current high performance aircraft have experienced
vertical tail buffet athigh aoa. Under high aoa conditions,
turbulent air flow from the aircraft forebody can impinge on the
vertical tail causing high frequency loading. This buffeting
action has the potential to severel y reduce the service life of aft,
vertical conirol surfaces. The X-29 demonstrator aircraft #2
first encountered significant vertical tail buffet on 9 May 199¢
during flight #42 at angles-of-attack between 20 and 35
degrees. This buffet condition occurred for 15 seconds and
resulted in fin tip accelerations in excess of 110 g’s and a
dominant first bending mode of 16 Hz. This condition resulted
in vertical tail loads approaching their design limits and the
decizion was made to temporarily avoid this flight condition.
Howe ver, this decision severely impacted the X-29 flight test
prograin since military utility flights were to be conducted at
Sigh aoa to demonstrate the maneuverability of the aircraft.
Damage tolerant analyses of the tail were performed for the
assumed most critical location to estimate the crack growth life
of the vertical tail at various g levels. An initial flaw size of
0.03 inch was chnsen based on ficld experience and confidence
with existing non- destructive evaluation (NDE) methods. In
this case, an eddy current inspection method was used.

Preliminary anal yses established inspection intervala at the
most critical areas of the tail. These analyses used the limited
fin tip acceleration data that was svailable for the tail and a
aimple transfer function to estimate local stress levela.
Additional atrain gage instrumentation waa installed o7 the
vertical tail while the aircraft was down for it"a next schedul=d
maintenance and atress analyses were performed to determine
the actuz| stresses at several locations on the tail. These
analyses were then correlated with subsequent flight test data
and more detailed crack growth predictions were performed to
more accurately establish the damage tolerance of the vertical
tail.

2__APPROACH

Analysia of the in-flight accelerometer data during buffet
revealed that the vertical tail was primarily experiencing the
first bending mode at a natural frequency of 16 Hz. There
was some indication of the second bending mode and first
torsion mode at higher frequeneies but at much lower
amplitudes. Scveral areas of the tail were considered as
possible areas for crack initiation and growth (FIGURE 1.0),
but the ait root fitting (location #4) was considered (o be the
most critical aince the tail was primarily being loaded in pure
bending during buffet. The aft tail mount was-considered to
be most highly loaded due to the fact that the tail is swept aft,
shifting the center of pressure and mass toward the rear
fitting. This was aupported by atatic test data supplied by the
manufacturer (Grumman). Grumman also supplied a transfer
function relating fin tip accelerztion to stress at the aft fitting.
This was accomplished by relating acceleration to deflection
and deflection to root bending moment and finally to the groas
section stress in the aft attachment. The 15 second fin tip
acceleration trace obtained during flight #42 was normalized
(FIGURE 2.0) and used as a loading spectrum for crack
growth analysis. Various maximum g levels were modelled
by multiplying the normalized spectrum by the stress level
corresponding to a given acceleration.

Prio: to performing any damage telerance analysis for the aft
tail atachment, a reasonable initial erack length must be
assumed. The assumed size should, of course, be large
enough to have a high probability of detection. Since NASA
had safety of flight responsibility for the aircraft, they were
responsible for any type of aircraft inspection. It was
determined that eddy current inspections would be performed
at three locations on the tail (locations 3, 4, and 6 - FIGURE
1.0). Inspections of areas 1 und 2 would have required the
remova! of blind fasteners whick had a higher probability of
causing crack initiation than the huffet loads. Location #5
was considered less critical than location #4. The NASA
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inspector initially claimed 1o be able to detect any flaw [arger
than 0.005 inch using a hand held probe inside fastener holes.
U.S. Air Force experience has indicated that a more realistic
size is on the orcer of 0.03 - 0.05 inch. After discussions with
NASA and Grumman engineers, it was decided to use the Air
Force crack growth prediction program, MODGRO, assuming
an initial 0.03 x 0.03 inch corner flaw at location #4. It waa
also agreed that an immediate inspection of locations 3, 4, and
6 would be conducted and subsequent inspections would
follow if and when the time spent in buffet exceeded 1/2 the
predicted time to failure for the highest fin tip acceleration
measured since the last inspection. The predicted life (time in
buffet) is shown in FIGURE 3.0 as a function of maximum g
level. This approach was very conservative assuming that
location #4 was indeed the most critical location, but it was
felt ihat the limited available data warranted a conservative
approach to zssure safety. In any case, this approach returned
the aircraft to flight at high aca.

While the above approach returned the X-29 to high aoa flight,
subsequent flights and frequint inspections demonstrated the
need to obtain more data to r:move some of the conservatism
from the analyses. While the aircraft was nearing the next
standard 100 hour overali inspection, Air Force, NASA, and
Grumman Engineers decided to install strain gages covering
all six critical areas on the right side of the tail during the
scheduled down time. These gages would provide detailed
strain information for these locations. Grumman was contracte6
to perform stress analyses for each location and used flight test
data from the new gages to calibrate their analyses. Flight #55
was the first flight after the installation of the gages and was
flown at low aoa to ubtain less dynamic strain for calibration
purposes. Flight #57 was the next flight in which a 25 second
bufet event occurred at high aoa. TABLE 1.0 shows the
maximum strains and calibrated notch stresses for this cvent.
As can be seen, the initial assumption that [ocation #4 was the
most critical location was incorrect. In fact, applying the
ruie-of-thumb that the difference in crack growth life is
approximately equal to the cube of the stress ratio in aluminum
results in a factor of 27 between the life at location #4
compared with location #2. Location #2, which is just above
the drag chute bracket, is non-inspectable in practice since
blind fasteners must be drilled ou! for inspection. A detailed
view of location #2 is given in FIGURE 3.0. Grumman
engineers performed both crack initiation and crack growth
analyses for location #2 using the 25 second huffet event.
Constant load amplitude test data for 2024-T851 aluminum
(X-29 t2°! material) coupons with open holes were also
available from Grumman. These data provided cycles-to-failure
informatinn at several load levels. Since Grumman is
primarily a U.S. Navy contractor, their aireraft are generally
certified by crack initiation analyses. Since the Air Force
requires damage tolerant analysis for safety of fiight, MODGRO
was used to determine an initial corner crack size that would
yield a predicted life matching the Grumman test data. The
resulting initial crack length was 0.01 inch for the 2024-T851
aluminum skin material. this size also happens to be the same
as the generally accepted size defining crack initiation. This
was pure coincidence since a much smaller initial crack size is
usually required to predict total lifc with damage tolerant
analysis alone. However, this material is relatively brittie and

Grumman had aiso predicted a short initiation time for the
flight #57 event. In lieu of any inspection of location #2, an
initial € 01 x 0.01 inch initial comer crack was assumed at the
lower fastener hole (FIGURE 4.0). Since all locations on the
vertical tail are matched on both the left 2nd right side, the
event in flight #57 was also inverted to model the ioads on
both sides of the tail. The mean stress was rarely zero,
probably due to the fact that at various aoa, left or right
rudder are applied to maintain hcading or perhaps the vortices
favor one side over the other. The strain trace from flight #57
is given in FIGURE 5.0. The minimum crack growth life
from the initial flaw size was predicted to be 330 repeats of
the buffct event seen in flight #57 (FIGURE 6.0). After more
discussiois between Air Force, Grumman, and NASA, a life
of 165 repeats of the event was agreed on to provide a safety
factor of two for the analysis. Time in buffet prior to flight
#57 was counted by using the flight #57 event, comelation
between maximum stress at location #2 and fia tip
acceleration, maximum stress ratio between previous events
and flight #57, and the time spent in buffet in the previous
flights. Once the correlation between stress at location #2
and fin tip acceleration was determined, the equivaient time
in buffet (based on flight #57) for each revious flight was
determined as follows:

Equiv. Time = [Max Stress/Flt 57 Max Strass)’x Buffet Time

A review of previous flight test records resulted in
approximately 45 equivalent buffet events up to flight #57.
Therefore, after flight #57, approximately 30% of the tail life
was used.

A special version of MODGRO was supplied to NASA/Dryden
to be used to predict crack extension using actual flight test
data. Between llight days, buffet stress data was down
loaded to an 1BM compatible PC and crack growth predictions
were made using both the given and inverted versions of the
stress spectra. Crack growth was predicted from the last
predicted crack size and each spectrum was input twice lo
provide a safety factor of two on life. The most conservative
prediction was used as the new crack size. To provide a
metric for the percent life expended, the crack growth curve
for flight #57 was used as a reference in that the number of
repeats of the flight #57 event corresponding to the current
crack size was divided by the life (330 repeats). The aircraft
completed the original flight test program at approxiiaately
96% tail life. A second flight test program was desircd to
study the potential of vortex flow control to supplement the
vertical tail yaw control. The fastuners at localion #2 were
drilled out, eddy current inspected, reamed 0.03 in,
re-inspected, coldworked, and interference fit tasicners were
re-installed. The Air Force Flight Dynamics Directorate
onnducted a test program to verify the 1epair and developed
new input data files for MODGRO. The damage accumulation
from an 0.03 inch initial corner flaw was tracked by the Air
Force program office. Crack growth predictions were not
made as frequently as was done previously since the repair
was considered better than the original structure At the end
of the program approximately 7% of the repair life had been
expended.
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3 _CONCLUSIONS

The X-29 demonstrator aircraft was not designed using
damage tolerance requirements, but after the il buffet
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experience gained from certain maneuvers sllowed them %o
be modified or deleted to complete other important tests of
the sircraft. ltis very difTicult to quantify the success of the
damage tolerant design philosophy by pointing out aircraft

we:ﬁmlmv;:d";;:: ?:::";:z:'n':::{:;:‘m'” that _have not experienced s atructural failure. However, it’s t/
program safely. Without the use of damage tolerance analysis Uclin the X-29 peo gram haxicloacy becaimaloa e
methods, it is extremely doubtful that the responsible organiza-
tions (NASA, U.S. Air Force, and Grumman) would have REEFERENCES
continued operations 'inder high soa ¢ nditions. Although
focation #4 was not the most critical location, the use of & 1. Hatter, ). A, "MODGRO, Users Manual, Version 1.2",
conservative initial approach quickly led to the discovery of AFWAL-TM-88-157-FIBE, Feb, 1988
the high notch siresy 3t location #2. The subscquent detsiled
analysia of location #2 provided s means to manage future
Qights. The Air Force and NASA used MODGRO as a tool to
manage the X-29 test program aftey flight #57. Mcre severe PY
Qights were comlucted earlier than they would have been and
TABLE 1.0 : Flight Test Results
[ ]
Strain (micro-inch) Knotch
Location Gage Fit 55 Fit 57 Stress (ksi)
Fwd Skin 91033 680 700 ° o
Radius 91034 610 600 16.1
(1 91035 580 600
Aft Skin 91029 170 600
Radius 91030 820 1500 .
(2) 91031 900 1500 77.5
91032 1160 2000
Mid Rudder 91026 300 1200
Hinge 91627 400 1200 19.0
(3 91028 500 1300 =
Aft 91037 650 700
Pedestal 91038 620 760 24.4
(4) 91039 520 800
Fwd Pedestal 91040 590 500 °
(5) 91041 980 850 17.9
Upper Hinge 91024 290 900
(6) 91025 200 700 32.0
[ ]
[ ]
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HARRIERII: A COMPARISON OF US. AND UK. APPROACHES TO

FATIGUE CLEARANCE

F S Perry
British Aerospace Defence Limited, Military Aircraft Division
Hertford House, PO Box 87, Famborough Aerospace Centre
Famborough, Hants, GU146YU, UK

1. SUMMARY

The different approaches adopted for the fatigue
clearance ol the Harrier 11 in United States Marine
Corps and Royal Air Force usage are discussed.

Brief accounts are given of the impact diftering
analysis methodologies and national airworthine: s
requirements have had on fatigue design, test and
monitoring of the airframe.

2. INTRODUCTION

Harrier 11 is a general name adopted lor the second
generation aireraft evolved from the Harrier
GR.Mk. 1 airframe designed oy Hawker Siddeley
Aviation (HSA) at Kingston upon Thames in Surrey,
England. The GR. Mk.1 (later re-designated the
GR.Mk.3) design was itself founded on extensive
experience gained from its lorerunners, the P.1127
and Kestrel ircrat®

The design of the Harrier 11 vas initiated in response
10 a United States Marine Corps (USMC)
requirement for an aircraft with payload and radius
capabilities superior to those of the USMC version of
the GR.Mk.1. the AV-8A. The new aircraft.
designated AV-8B, was developed by the McDonnell
Aircraft Company, MCAIR, as prime contractors,
with HSA (now British Aerospace, BAe)
sub-contracted to design and produce the art-centre
and aft fuselage.

The Royal Air Force, RAF. had a similar requirement
fora VSTOL-capable aircral* to replace its fleet of
Harrier GR.Mk.3, aircraft and decided eventually to
purchase the AV -8B aircraft, essentiatly as an existing
design. In the RAF the aircraft was re-named the
Harrier GR Mk 5.

This Paper examines the consideration: given to
fatigue in the structural design and clearance of the
AV-8B and the policies adopted in the UK to ensure
safe operation of the Harrier GR.MK S aircraft in RAF
operational duties. Particular attention is pad to areas
where the US and UK approaches contrast as a result
of separate airworthiness requirements and differing
methedologies evolved hy the dexign authorities.

3. DESIGN AND CLEARANCE AGAINST
FAT.GUE - HARRIER 1

The structural design of the Harrier GR.Mk. 1 aircraft,
which entered service with the RAF in the late
1960°s, used the results froni a [ull scale fatigue test
of the prototype aircraft. the Kestrel. Fig 1,
supplemented by numerous tests of detail parts.
systems and assemhlies. There followed full scale
teses of the siigle and two-seater aircratt at HSA's
Kingston plant. All stages of this process were guided
hy the UK airworthiness requirements contained in
Ref 1.

The primary considerution in the design was one of
minimum weight, although a 3000 hour fatigue life
was specified. A limited fatigue evaluation was
carried out at the design stage, hut mainly
concentrated on detail design to ensure that the life
requirerient was achieved. This course proved t be
highly successful as the full scale fatigue tests went
on to demons:rate that the aidframe had an endurance
twice that specified.

While specific fatigue caleulations were restricted in
scope during design, a clear value was seen in
analysis of data from the fatigue tests. Accordingly.
the results were the subject ol detailed fatigue
analysis using Miner’s cumulative damage rule and an
S-N equation for holted joints derived hy the Royal
Aeronautical Establishment {Farnborough), RAE(F),
Ref 2.

The substantial work. Ref 3. puhlished in 1962 hy a
former RAE employee, RB Heywood, which
correlated an extensive range of latigue data, lormed
the basis lor more refined analysis techniques adopted
hy HSA Kingston. In 1963, a summary ol the
empirical S-N equations was compiled with a view o
formulating a comprehensive procedure lor the
fatigue analysis of airframe component:. This later
became practicable with the introduction ol
mini-computer technology and a progran was
developed offering a wide range of analysis facilities.

The prin¢ pal input data 1o the program were:
0 stress concentration factor

0 notch root radius
0 nominal mean and alternating stresses
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The endurance of the notched component was
obtained for the giver  stresses by an iterative process
nsing master diagram (constant life) data for the plain
material and complemen. ary strength reduction
relationships tor the notched alloy.

Wlien interpreting the results o5 testing, nominal
stress levels or parameters witin the generalized
equations were modified to *(it” the S-N dati to a
known test failure point. By this “calibration” of the
equations, read-across to in-service aiceraft could he
effected. Fig 2 illustrates manipulation of the S-N
curve by, n this instance, variation ot stress
concentration parameters.

Fatigue life predictions, using available S-N data
without the benefit of fufi-scale fatigue test resufts,
were shown to be unreliable. This was varionsly
attributed to inadequate knowledge of the critical
location, the iocal stress distribution und the spectrum
of applied loads (which would also preclude thillscale
testing).

4. DESIGN AND CLFEARANCE AGAINST
FATIGUE - AV-8B

The Detail Specification for the AV-8B, Ret 4, stuted
that the aircraft should have a fatigue life of 6000
hours. In order to meet the enhanced  payload and
range requirements, substantial changes were required
to the structure of the Harrier | on which the aieraft
was broadly based. The new design took account of
Harrier | test and in-service data, an AV-8A ~ervice
life eatension programme (designated AV-8C) and
experience gained from a prototype aireraft, the
YAV-XB.

The requirements necessary o prove that the Jesign
would meet the specified fatigue hfe were set out in
Ref 5 and were founded on estublished US military
specification requirements. Rel 6.

The principal materials wsed 1n the airframe are shown
n Fig 3. The structure comprised conventional
metallic assemblies complemented by extensive use
ol composite materials, particularly in the forward
Miselage. wing and tailplane. The use of the new
matenials m major dirframe components required that
A design and clearance programme for composites
was developed in addition to the more traditional
soutes adopted for the metallic strueture.

4.1 Fatigue Spectra

Data gathered from USMC operations of the AV-8A
fleetand YAV-EB aircralt were used to asemble an

AV-8B normal acceleration spectrum. The following
key requirements set out i the Detail Specification
forthe AV-8B directed this process:

0 "Mean + 306" normal aceeleration spectrum

0 9:1 ratio of symmetric to aysmmetric manoeuvres

0 maximum wing up-bending tmoment tlight condition
o a flight-by-tlight test sequence

Fatigue meter data were collated and a mean normal
aceeleration spectrum: generated for the AV-8A flect.
A 1000 ilying honr AV-8B spectrum was derived by
increasing the count at each fatigue meter level by
three times the standard deviation for that level This
"Mean + 30" spectrum, shown in Fig 4. formed the
basix for much of the desig and testing of the
AV-EB wirframe.

The third requirement ol the Specification was
sigifieant. A "worst-point-in-the-+k v condition,
hused on the maximum wing up-bending case. was
stipulated which applied toads that generally would be
Ingher than those routinely encountered n service.
This ostensibly conservative approdach enables a
reduction in diration of gualification testing and is
the major ditference between US and UK
philosophies A test factor of two - and o a duration
ol 12000 hours - was agreed by the customer's
lechnical aathority, NAVAIR, 0 cover scatter in
latigue performance of the metdl structure.

i design caleulations a factor of four was applicabfe
where testig would detennine the true fife of
structure, where no lesting was scheduled a life factor
o eight was opied

4.2 Design Caleulations - KtDLS Approach

i the design ef the AV-¥B, the resistance of the
structure to fatigue lowdings was a major
consrderation. Numerous fatigue calealations were
pertornied and tor many components fatigue
strenzth, rather than static strength, was the overriding
design ernerion. To avoid the need for repetitious,
comples and time-consuning damage caleulations on
cvery component of the cnitical structure, a systein
based onllowable stresses was employed. This
enbled engineers not fully conversait with the
Mtk e es ot Lahigue analysis to apply a checking
procedure sinubar to that used m routine statwe
stressing

Component stiess spectra aid allow able stresses were
generalty developed by the process shown in Fig §
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for each critical component of the airframe, Table 1. initiation (assumed when crack reaches 0.25 mm)
The allowable stresses were derived as "KtDLS" are:
values (DLS = Design Limit Stress) to provide a
mensure against which the combined stress © nominal stress history ®
concentration (Kt) at a notch and peak nominal stress 0 elastic stress concentration factor
in the region could be compared. O stress-strain parameters 3 *J
o strain-life parameters
TABLE 1: AV-88 COMPONENT FATIGUE
SPECTRA LOCATIONS Strain-lite dati are obtained Irom tests of plain
specimens under strain controlled conditions. The ®
method assumes that the specimen is representative
Wing/Fuselage of the behaviour of muterial at the root of a notch in
Flap actual structure,
Aileron
Inboard pylon forward wing back-up fitting By solving Neuber's equation and the stress-strain
Forward Fuselage relationship for cach reversal in the nominal stress ®
Cockpit crosstie history. a focal strain sequence at the notch root is
Lids fen:e generated. The associated local stress at each strain
Alt Fuselage - Frame 40 to 43 area pointis also recorded. A hystensis loop identification
Rudder top hinge routine is then used in conjunction with the strain-life
Stabilator equation to calculate dumage values for each strain
Vertical tail cyele 1n sequence. A simple summation of the ®
Muain landing gear danage values gives the total damage due to the stress
Nose landing gear history.
Outrigger landing gear
Speedbrake Fig 6 shows these steps ut graphical form.
Outboard pylon
4.2.2 Determiinanon of Stress Conceniration Factors ® (]
A key paramieter in local strain and conventional
The lutigue: analysis used in the calculation of these fatigue analyses 15 the geometric stress concentration
allowdbles was based on local sirain analysis, using factor. It was noted previously that HSA found that
Neuber'- rule, Ref 7, supported by a sizeable series fatigue hfe predictions often tended to be unreliable
of laboratory fatigue testing to establish stress-strain due. in part, to uncertainuies concerning the local ®
and strain-life data. Further element testing provided stress distribution at the critic.., feature. In the design
substantiation of the fatigue life prediction of the AV-8B much eflont was dedicated towards
calculations, ensuring accurate values of stress concentration
factors were used in the calculations. Allowances
The use of local strain methodology in preference to were Made for a number of parameters, including:
traditional S-N based data for fatigue analysis was o
aother area of divergence from UK (HSA) o thickness
procedures. But in this case, the difference was matter 0 countersink
of company methodology, rather than national 0 bearing stress
airworthiness requirements. 0 variation of load direction in lugs
0 edge distance
4.2.1 A Brief Overview of the Local Strain Method o interference fit ®
o cold working
Local strain analysis 1s a more rational basis for o surface treatment
tatigue analysis than calculations based on nommnal
stress, as the degradation of a metal by fatigue is This attention to local stress condition, allied with
initiated by microscopic, irreversible, displacements accurate field stresses obtained fiont finite element
within the material. The analysis sttempis 10 model modelling. removed a significant source of ®
the strains of the muaicrial at a notch, taking account inaccuriey which had prevented satisfactory life
ol local yielding and, if the load history is preserved. prediction calculations on the Harmier 1.

residual stresses from previous eycles.

Nevertheless, while mapor improvements in fatigue
The put data requirad to estimate the time to crack analysis can be made by the use of modern analysis
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techniques, scatter in fatigue performance will
always prevent aceurate predictions of when an
individual part will fail.

4.2.3 A Cursorv Comparison of Locdl Strain
and $-N Analvses

Although differences in MCAIR and BAe fatigue
analysis methodology were not directly relae: to the
US and UK airworthiness requirements, it is
interesting to conipare briefly the principles :ind
benefits of the methods.

In both local strain anal yses and more traditional S-N
methods the life to crack initiation is considered
Further similarities exist between local strain analysis
and the S-N method used by BAe Kuigston. Indeed.
the principle proposed by Heywood of relating
notched matenial behaviour to plain specimen hite
data is very similar to the local stra method.
Hevwocd states that.

"For alternating stresses the cvclic plastic strain
reduces the theoretical maximumn stress in the noich,
and it is reasonable to assume that the reduced vai e
corresponds preciselv to the siress in the pluin
specinien, for the same cvcles 1o failure.”

Where Heywood used stress as the basi
read-across (because of the vast mass ol data
available), local strain methodology uses strain.

A major argument often advanced for using local
strain analysis over stress-based methods is the
ability to account for residual stress cffects at the
notch root. This is not possible with S-N analysis, but
n many cases it is debatahle whether this shortfall is
important. Often the load history is not available -
and where it is. the sequence effects usually serve to
cancel each other. Unlike transport dircraft, for
example, fighter aireraft experience extremely
complex load histories where high positive and
negative loads oceur often and evenly throughout the
aircraft’s life.

Lexal stiam analysis does hiave a distinct beielit o
components which do not experience this random
mux of loading. where one load direction
predomisies with secaional sipmilica chaioes o
sign Components subjected to upper wing loadings
can fall ito this category.

The generalized S-N equations do not allow such
refinement, but some significant benefits are gained
hy their use. A vast amount of S-N data has heen
compressed in1o a number of equations covering the
entite range of mean and altemating stress, and the

effects of stress concentration, notch sensitivity.

w. © vize and fretting. This enables fatigue
culeulations to be carried out on most aluminium and
steel alloys witheat recourse to expensive laboratory
fatigue tests.

The treatment of mean stress is a notoriously difficult
problem and outside the scope of this Paper, but it
receives d rational treatment in the generalized S-N
cquations with the wtroduction of a mean stress
reduction factor, Km. This enables due allowance for
mean stress etfects to be made automatically in
routine analysis. The treatment of mean stress
Neuber's analysis varies, two rules are in regular use:
the Morrow correction and the Smith-Watson-Topper
parameter. Both have been tried in the MCAIR
analysis system and the latter is currently favoured.

The guestion of the relative accuracies of the local
strain and S-N approaches s ditTicult to assess. The
different applications of the methods (design and
in-service read-across) by the BAe and MCAIR
preclude a direct comparison. In any event. the
"accuracy” of fatigue calculation is d rather notional
concept as fatigue data are obscured by scatter in
results and a profusion of secondary environmental
and physical effects.

A subjective assessment suggests that. when sensibly
applied. there is httle to choose between the two
methods. In both cases the nominal accuracy depends
on the suitability of the fundamental matertals data.
The local strain method is comparatively new and ~so
the library of strain-controlled test data s not as
extensive as that available for S-N data. Conversely.
the generalized S-N equations were derived over 30
yeurs ago and must he re-validated when applied o
materidls OW N COIMMON Use,

4.2.4 The KTDLS Method in Operation

To date, evidence from the AV-XB indicates thas the
KiDLS method has been nstrumental m producmg 4
rugged, well designed aircratt. This must be the
tundaniental measure ot the worth of the systenn, o o
b costeefToctive ot itiust iesull ma betier product. A
significant benetit s also derived from s use as o
routine stressing wol. A wide-spread awareness of
Latiile i PrEofkodad armionp enpiiers eficosrag inye
the control of fatigue to he an ntegral part of the
design process.

1115 not a panacea. thongh. Fundamentat ditticattes in
futigue analysis are not removed. particularly that of
precicing where cracking will start A re-design will
attend to those areas which analvsis shows 1o be
deficient n fatigue strength, but 1t s almost inevitable




that the areas which eventually give rise to fatigue
problenis will be those thut were overlooked in the
design review.

A good example ol this dilemma s provided by the
original design of the fin lorward attachment fitting
of the AV-8B. Fig 7 shows a sketch of the
component. The front spar of the lin is attached to the
two lugs grown out of the fitting. Clearly. this is a
crucial joint and naturally its fatigue strength was
assessed using the KiDLS method. The lugs were
identitied as potential fatigue initiation points and
subsequent fatigue analysis indicated that they had
been efficiently designed with adequate fatigue
strength. However, on the AV-8B Fult Scale
Devetopment Fatigue Test a lailure of the port fitting
occurred at about a third of the required lile.

The failure originated. not from the lug bore. but from
the comer root [illet radius, causing complete
separation of the lug Irom the fitting. A retrospective
KtDLS analysis of this section, which involved a
special detailed finite element analysis to quantily the
stress concentration, showed that the fatigue strength
was indeed inadequate and premature failure might
be expected.

This experience showed that the KtDLS method is a
reliable guide to fatigue performance (the lug and the
fillet were correctly identified as non-critical and
critical, respectively), but that detail designers must
remain alert to the often insidious nature of stress
concentrations.

4.3 Clearance of Composite Structures

The use of carbon fibre composite material on the
AV-8B was the result of an accumulation of
experience gained on F-4, F-15 and F-18 aircraft. As
confidence and knowledge grew. the extent of CFC
components increased. {rom the rudder on the F-4 10
the AV-8B. where about 25% ol the structural weight
15 CFC material.

A comprehensive description ol the development of
CFC structure for the AV-8B is given in Ref ¥. The
design and clearance of the wing box. the primary
CFC component ol AV-8B, will be briefly examined
here.

The torque box comprises eight CFC spars and a
mixture of CFC and metal rihs (where out-of-plane
toads are high) attached to monolithic upper and
lower skins. As is typical for composite constructions
of any complexity, a "building block" approach was
used in the design and clearance of the structure.
Throughout the programme, summarized in Fig 8,

particular attention was paid to the reduction in
material properties resulting from adverse
environmental conditions and inadvertent damage.
The progressive build-up from simple elements, to
joints, to sub-assemblies also altowed examination ol
the structural interaction effects which frequently
result in the complex and unpredictable faiture of
composite structures.

Except for the centre-line wing joint (see Fig 9).
latigue was not a principal criterion in the design
process. It is well known that, unlike metals, an
adequate static load carrying capability in CFC
structures normally confers satisfactory latigue
strength. The use of conservatively low design strains
ensured that cyelic loads encountered in-service,
even in conjunction with barely visible impact
damage. would not cause propagation ol damage.

Another noted property of composite construction, 1t~
sensitivity © out-of-plane loads, attracted special
consideration in the design of the wing box. Where
point loads were introduced into the structure, at
pylon attachments for example, carefully designed
metal littings were used o minimize out-of-plane
loads in the CFC structure. At the wing centre-line,
qu.te high "kick" loads were caused by the wing
anhedral and the design allowables were reduced in
this area in compensation. A sub-assembly latigue
test ol the joint was carried out to validate the design.

The AV-8B Full Scale Development fatigue test.
although part of the overall qualification of the
dirframe, was aimed principally at clearing the
metaltic components. The comhined lull clearance of
niixed metal and CFC structure hy a single test is
very difficult to achieve and was unnecessary in this
case. For the CFC components, the stress factoring
required o complete the test in an economie
ume-scale increases the risk of premature and
unrepresentative faifure of the metal components.
The CFC components had been qualified by the
rigorous building-block series of tests and on the fult
scale test their mamn purpose was to obtain the correct
loading distributions on the metal components.
Nevertheless. the completion of tesung without
mcident on the CFC components provided further
confidence 1n the overall integrity of the design.

In summary, the key axioms in the philosophy
adopted in the desigr and clearance of the AV-¥B
CFC structure may be summarnized as follows:

o estahlish a sound database by extensive testing
of elements and sub-structures, including
environmental elfects

c@+ <
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o design for static strength and keep destgn limit
strains low

o be dlert to the threat posed by out-of-plane loadings

4.4 The AV-8B Full Scale Development
Fatigue Test

The fatigue life of the AV-¥B airframe was proved by
a Full Scale Development Fatigue Test (FSDFT)
which was commissioned in early 1982, betore the
AV-8B aircraft went into service.

A series of metallic component fatigue tests was
carried out to verify critical design features betore
fult scale testing was undertaken. A list of these
components is given in Table 2. Each component wis
suhjected to 24000 hours of the speetrum loading that
would be experienced on the full scale test.

TABLE 2: AV-8B METAL COMPONENT
FATIGUE TESTS

Centre wing back-up fittings
Centreline rib radius block
Flap tink

Inboard f1ap hinge

Inboard aileron hinge

Pylon fitting seal

Cross tie

Horizontal stabilator attach fug

For the FSDFT, a near structurally complete test
article, FTV I, was installed in a free-standing te <t
frame. The most notable missing component va: the
tailplane. which was subsject to a separate tull scale
fatigue test,

The test was scheduled for 12000 hours of loading
based on the 1000 hour flight-by-thight "Meun + o™
spectrum. The test toadings were apphied as a
randomized sequence and comprised posiive and
negative “g* excursions with a 1 0% asymmetric
content. The symmetnic loads were based on the
"worst-point-in-the-sky' maximum wing up bending
design condition, known as WBOt, a 7°g" synuaetric
pull-up flown at 0.95M at 9000 ft.

During the derivation of fatigue load spectrum an
analysis of USMC wing stores usage showed that the
loads associated with the WBOt design case wis
overly conservative. it was agreed with NAVA; ¢ that
the test symmetric bending moments sheudd be Swised
on the "worst-point-in-the-sky" flight condition, but
combined with 4 more representative stores

contiguration. This decision reduced the fatigue test
symmetric load case 10 88% of the hasic WBOt
design case. Supporting analysis contirmied that the
test loadings remained conservative with respectio
average USMC usage. The AV-8B test condition i~
summarized in Table 3.

TABLE 3: AV-8B TEST CONDITION

Contiguration

Aircraft Mass : 22950 1b
Fuel State : 60/ internal fuel

Fusclage Stores : Guns and ammo
Centre-line pylon + Mk ¥2 SE

Wng Stores @ tnboard pyton + 2 x Mk 82 SE
Intermediate pyton + Mk ¥2 SE

Elight Condition

Much No.  Altitude cg

095 9000 ft 12.30% MAC

4.4.1 Test Results and Conclusion

The test reached 250 hours by 22 March 1982 und
was completed on 2 August the same year, Apan
from failures at the wboard and intermediate wing
pylons, the failure of the port tin attachment lug was
the only major incident to oceur during the test. it
was concluded from this exceptionally favourable
outcome that. subject to appropriate structural
madification to rectify these areas, the main
components of the AV-8B airframe were structurathy
adequate to meet the sate life requirement of the
arreraft in USMC service.

4.4.2 Major Comiponent Fatigue Testing

A fuil scale test of an airframe ams to provide o
general clearance of the prncipat structural
component. However, constraints imposed by the nig
and method of foad application and controf mevitibly
linut the extent of clearance obtained. To overcome
this ditficulty on the AV-8B a series of auxihdry tests
were carried out. The components are identitied i
Fig 3.

4.5 Fatigue Monitoring In-Service
The culmmation of ettort spent 1n the design and

testng phases nunnezing the nisk ot fatigue
problems 1s reached when the arreratt enters service.

N7




To maintain this low probability of structural fatigue
failure, the l'atigue life consuniption of every AV-8B
is monitored hy a soltware simulation of the
conventional aircraft fatigue meter resident on each
aireraft’s mission computer. Data from the inertial
navigation system are converted 10 an equivalent
normal acceleration signal at the nominal latigue
meter location. Cumulative normal aceeleration
exceedances, displayed post-flight on the cockpit
digital display unit, are read off and l'atigue index
values caleulated hy application of a fatigue meter
formula.

The limitations ol latigue meter hased systems are
well known and, lor the AV-8B, an improved fatigue
tracking system was proposed by MCAIR to extend
the area of monitored structure and so reduce
conservatism in fatigue lile calculations.

Five structural control points were sclected, Fig 10. to
monitor l'atigue usage on the wing, tailplane, fin and
matn landing gear. The proposed system favoured
calculation of component 10ads rom aircralt
trajectory parameters rather than direct load
measurement. The ease of retrofit, zero weight
penalty, reliability and flexibility ol the parametric
solution were seen as its key advantages over the
strain gauge hased alternative.

To reduce the amount of on-board processing - load
equations, derived with the aid of Iight load
measurement programme data. were optimized by
removal of less significant terms. The on-board
processing proposed also contained a peak-trough
identification routine to reduce the load histories 1o
their turning point values in preparation for transfer to
a ground-based fatiguc index computation routine.

4.6 Summary of A V-8B Fatigue 1.ife Clearance
Philosophy

Base design on successtul AV-8A Harrier structure

Derive fatigue design loads from Mean + 30 AV-XA
normal acceleration  data

Design to comprehensive set of fatigne allowahle
stresses

For composites, carry out rigorous “building block”
development test  programme

Prior to lull scale tatigue test carry out component
tests on  critical arcas

Test full scale article to 2 titetimes ol "worst-point-
in-the-sky"” maximum wing up hending ca~e, with

excursions beyond DLL

Carry out supplemental 1ests of major suh-
components not cleared hy - the Tull scale test

Monitor usage in-service on an individual aircratt
hasis

5. CLEARANCE AGAINST FATIGUE
- HARRIER GR.k.S

The AV-8B, re-named the Harrier GR. MK 5. was
purchased by the Royal Air Force as a replacement
for its Harrier GR. Mk.3 fleet. BAe was designated s
prime contractor to the UK Ministry of Defence tor
the supply and in-service support of 1he aircraft. With
the exception of some detailed structurat
modifications, the airframe was that of the AV-¥B.

As the GR.MK.5 was purchused ax an existing design
there vtas no stated fatigue life requirement tor the
airframe, hut this did not discount the need for the
safe life 10 be established in it~ mtended role in the
RAF.

The optimum clearance route wis contemptated at
considerable length hy the UK Ministry of Deferce
and its technical advisor. RAE(F). From the outs¢t, 1t
was the opinion of the UK Authorities that. thongh
much of the clearance programme of the AV-XB
would contribute to the process, there were ~uch
marked dillerences in US and UK procedural
requirements that the resvlts of the AV-XB FSD
fatigue test could not be used directly to clear the
GR.Mk 5. This opinion was largely mtormed by
experience ganed from the RAF Phantom F4 aireraft
programme.

5.1 The Phantom Dxpericnce

Three full scale Fatigue tests hat been carried ont to
US requirements betore the Phantom entered service
with the RAF. The UK requirements tor the design of
aireralt, contained in Ref 1. stipulated that fell swoale
latigue testing of an aircraft should be done nnder
realistic load conditions for a duration of up to five
times the specilied fatigue lite. Clearty, such atest s
costly and tor an aircraft previously designed and
tested, albeit 1o foreign airw orthmess requireniients, it
was reasonable 1o examine the possibility of
ohiaining clearance from extant Jata. However,m the
case of the Phantom the diftferences in US and
predicted UK load spectra, particnlarly the deliberate
inclusion in the US tests of lowds hrgher than wonld
be expected in normal operations, led the UK
Authonities 1o conclude that 4 UK fatigue test was
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essential,

The comparizon of "hard" US and "soft" UK normal
acceleration spectra in- Fig 11 shows the significant
high load conient of the US spectrum. The peak load
in the US test was 118% DLL against 95% DLL in
the UK test. The omission of low load level cycles
from the US spectrum is another important
difference.

The decision to proceed with an additional UK test
wats vindicated by thie value of the information it
produced. Most surprisingly, where failures occurred
on hoth tests, the UK test tended to eaperience lower
lives. even under the apparently more benign load
spectrum. The test lives of two key Failures of the
wing are given in Table 4. The relative severity of the
two speetra is taken into account in the ratio of
Fatigue Index (FI) values at Tailure in the right hand
colunm. (100 Fl is equivalent to 4500 hours of US
spectrum testing.) This shows that in the worst case
the UK specimen had a safe life of only one [ifth of
that demonstrated by the US test.

TABLE 4: PHANTOM - COMPARISON OF
US/UK WING FAVLURES

TABLE §: PHANTOM WING FAILURES
SERVICE VS TESTS

SERVICE FAILURE LOCATION

OUTER WING LK TEST US TEST]
SKIN AT 35% SPAR ATTACH YES  NO
SKIN AT 41% SPAR ATTACH YES  YES
SKIN ATROOTRIB ATTACIH YES  NO
SKIN ATRIVETEDRIB ATTACH YES  NO
SKIN DRAIN HOLES YES  NO
SPAR FLANGI (59 SPAR) YES  NO
REAR SPAR L.OCK LLUG BORIE YES  NO

REAR SPAR 1.OCK L.UG ROOT RADILS YES  YES

CENTRE WING

WINGFOLDRIB #£3 1.UG BORIL YES  NO
WINGFOLDRIB #841.UG ROOT RAD S NO
BL 325 PYLON HOLLE YES
CENTFRELINE SPLICE PLA'TE NO

FEATURE FAILURETIME |R RATIO

UK TEST |US TEST | US:UK

OUTER WING

SKIN 7526 11800 37
CENTKE WING
1 PYLON HOLE 5258 11800 >5

These results highlighted the mability ol ~imple
cumulative damage caleulations to read-across
between .pectra of markedly different shape. 1t may
be speculated that the increased number of Jow load
level eycles in the UK test promoted fretting fatigue
actions, while the hign loads in- the US test
ntroduced beneficial compressive stresses which
retarded criack growth.

Compelling evidence of the benefits of testing to u
representative spectrum is given in Table 5. This
strongly indicates that the UK test provided
intormation more characteristic ol the m-sen e
fatigue performance of the structure

5.2 GR.Mk.S Main Airframe Fatigue Test (MAFT)
Philosophy

The possibility that undesirable hife enhancernent
effects may be introduced by the
"worst-point-in-the-sky" spectrum had been
recognized by NAVAIR at the time of the AV-8B
test, but the high loads in the "Mean + 30" spectrum
were considered to oceur with suflicient Irequency
not to produce these effects.

The UK Authorities were clear. though, that a second
Tatigue test of the structure was necessary to UK
requirements and to a RAF normal aceeleration
spectrum. In 1980, Bae and its subcontractor,
MCAIR, began work on the mitial proposal for the
new fatigue test scheduled to start 1 June 1985. The
test would be carried out at MCAIR St Louis and
utilize much of the AV-8B FSDFT hardware.

While work progresse:d towards the test set up, the
MoD becanie ditracted to the 1dea of postponing the
test start date for severai years te allow time for
in-service loads to be obtained from the early years ot
operations. This strategy held a further benetit i that
more consideration coubd be given to the cledrance
route for the CFC structures of the airframe.

It was estimated that a delay intesting ot say, 6 years
would require an mtenn clearanee ol at least 1500
safe hours 1o allow RAF operations o proceed
without intestuption. To this end. a detailed study was
undertaken by the RAE(F) to quantity the read-across
that magh” be obtained from USMC ITying and the
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AV-8B FSDFT.

Unfortunately, at that stage RAE(F) could underwrite
an interim of 1000 safe hours only and the case for a
delay in testing was severely undermined. In the light
of this constraint, the MoD, RAE(F) and BAe agreed
that the test should proceed without waiting for
in-service load data. The thorough US development
programme for the CFC components was deemed
sufficient to qualify the structures in RAF usage and
modification of the test loads for this purpose was
judged neither desirable or necessary. The test would,
therefore. be to traditional UK conditions, namely:
realistic loads, a duration equivalent to five times the
required safe life and clear metallic components of
the airframe only.

Further reappraisal of the test programme led to the
transfer of the test from its proposed site in St Louis
to the new BAe Structural Test Facility.

5.3 Generation of the GR.Mk.S MAFT Loadings
5.3.1 Normal Acceleration Spectrum

The normal acceleration spectrum was derived from
RAF usage data of the Harrier GR.Mk.3 fleet. The
RAF had compiled a draft Statement of Operating
Intent (SOI). Ref 9, which set out the planned usage
of the GR.Mk.5 in terms of 13 sortie profile codes
(SPCs). The SPC descriptions in the SOI were
compared. according to flying intensity, with the
seven SPCs flown by the existing GR Mk.3 tleet and
an approximate read-across table generated. This
correlation of SPCs is summarized in Table 6.

TABLE 6: HARRIER GR.Mk.3 and GR.Mk.5

SPC CORRELATION
GRJ3 GR.5 EQUIVALENT g % Usage
SPC [SPC  GROUPING DESCRIPTION GRS GR.3*
1 A Display 05] 0s
2 BCJ  Air Test, Generai Handling, IF 105) 89
3 | DM Ferry, VSTOL Practice s
4 |EK  LL Nav/Recce or SAP, lli-lo Naved 30.5 |26.9
5§ | FLH SAP, Ta: Recce with bounce, 42.0128.0
Weapon Training
6 |I Air Combst Manoeuvring S0j218
7 G Ultra Low Level Flying 80 10

The 'g’ spectra for each Harrier GR. Mk.3 SPC
coupled with the GR.MK.5 utilizations in Table 6
were used to assemble an overall normal acceleration
spectrum for the GR.MK.S. In contrast to AV-&B, the
exceedance values at each ‘g’ level in the overall
spectrum were purely 'mean’ values with no
allowance for variation in the sample.

It will be seen that approximately 50% of the

GR MKk.3 usage comprised low-level and/or ground
attack. This coupled with minor adjustments to the
'g’ spectrum to account for predicted performance
improvements of the GR.MK.5 in ground attack and
combat, led to the severe normal acceleration
spectrum, which is sho'vn in Fig 12 and compared to
spectra from related aircraft.

5.3.2 Generation of Manoeuvre Sequence und Loads

As with the AV-8B FSDFT. the MAFT load spectrum
was 10 be a flight-by-flight sequence. Extensive use
of the technology developed for the Hawk T.Mk.|
fatigue test was employed in its derivation.

The exceedances in the cun ulative normal
acceleration spectrum were de-accumulated and the
counts sub-divided into component flight profiles. It
was known that a typical RAF sortic would consist of
climbs, descents, cruise at various heights and an
active phase comprising ground attack and/or air
combat. For each flight. the "g’ counts were arranged
in a sequence according to these phases of the sortie
and manoeuvres assigned to each count. The
manoeuvre set was an adaptation of those developed
for the Hawk T.Mk.1 full scale fatigue test.

A typical manoceuvre sequence is shown in Tahle 7.

An awareness of the need to formulate a spectrum
which would simulate in-service conditions us far as
possible directed all stages of the spectrum
development process. An example of this philosophy
was the retention of a large numher of gust loads in
the manoeuvre sequence, in spite of damage
calculations which indicated they would not cause
fatigue problems to the structure.

Once the manoeuvre sequence had been finatized. the
major component loading generated hy each
ntanoeuvre was determined from flight simulation
and loads model data. Again, the degree to which load
sequences were idealized for test purposes was
guided by the need for a representative spectrum.

/.
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TABLE 7: TYPICAL MAFT MANOEUVRE
SEQUENCE TABLE 8: HARRIFR GR.MK.5S TEST
CONDITION
SORTIE CODE C (QFI Check) ®
Configuration
*g" Manocuvre Type R,
Aircraft Mass : 21190 [b
- Ground Condition Fuel State : 60% internal fuel
2 Aimospheric Gust (Up) Fuselage Stores : Guns (no ammo) @
0 Centre-line pylon
4 Maximum Rate Tum
1 Wing Stores
2 Atmospheric Gust (Up) Inboard pylon + CBLS Mk.3 + 4 x 3 kg bombs
0 Outrigger pylon + AIMYL + LAU-7
3 Tight Turn Intermediate pylon [ ]
1 Outhoard pylon
2 Loop
1 Flight Conditions
3
0 Atmospheric Gust (Down) Mach No.  Altiude cg
2 [ ]
1 0.65 Sea Level  10.20% MAC
4 Roll Off The Top 0.85 Sea Level  10.20% MAC
1
4 Tight Turn
1 The manocuvre loads were predominantly hased on
4 Half Roll and Pufl Through the 0.65M [light condition. It was found that this ® ®
| condition restlted in a very benign rear fuselage load
3 Vertical Roll spetrum and a second test condition at 0.85M was
0 needed to ensure that the tailplane and rear fuselage
3 were more {ully exercised by the test,
-1 Atmospheric Gust (Down)
3 Fig 12 showed the severity of the GR.Mk.5 normal L
1 acceleration spectrum compared to that of other
- Ground Condition aircraft, including the AV-8B. The picture 1
- Ground Condition somewhat different when the GR.MK.5 and AV-8B
- Griund Condition bending moment spectra are compared. Fig 14, The
END 0.95M pont in the skv of the AV-8B results in far
more severe wing root bending monent values than @
the more benign cine selected for the GR.MK.S.
In contrast to the fixed, 90% symmetnic / 10%
asymmetric, randomized loud sequence of the AV-8B 5.3.4 Repcated Programme Duration
FSDFT the GR.Mk.S MAFT loading was hased on a
full manoeuvie simulation - the majority ot The length of the repeated test load programme
manocuyvres having some  asymmetne load content. chosen for the GR.MK.3 MAFT was 25 equivalent @
Itying hours (EFH) - based on Hawk T Mk .|
A summary of the derivation procedure 1s given in Fig experience. This was considered by BAe to be a
13 suitable length for test control and analy~is purposes,
while being of sufficient duration 1) restrict the
5.3.3 Flight Condition possibility of bias due o the inadvertent introduction
ol hidden sequence effects. It was considerably L
The loads of the GR.Mk.5 MAFT were hased on the shorter than the [0C0 hour repeated spectrum chosen
flight conditions, stores configuration, mid-sortie for AV-8B testmg and some debite took place with
mass and fuel state shown i Table 8. all of which RAE(F) on the relative merits of long and short
were representative of average service usage. programmes.
[ ]




1t was concluded that long programmes are neces~ary
for transport awrcraft where the fhight load historwes
contamn distuct load events, but are tess impontant for
the complex Ivad histories of combat aircraft

The shorter programie length of the GR MRS also
1eflects a subtle difference i the wms of the UK and
US tests. The UK test is used. not only to establish
the safe life hmit of the aitrame. but also to provide
acomprekensive basis for the support of the aircrait
in-service. Structural modifications and repars
identical to those used in-service are applied to. and
hfed by. the test. A prolonged test programne
complicates read-across (o the fleet - tatigue tite
assessinents are more easlly accomplished by
reference W repetitions of a short programme than by
fractions of a lengthy prograinme. As the emphasis of
US testing 15 more tuned 10 the quick and earty
determination of the ulimate xafe hife. this
complication ts not 4s relevant. A long programme
may be adopted, thus avoiding the inevitable
‘rounding’ adjustments caused by the use of a shont
spetrum to represent all n-service flying.

5.4 MAFT Experience

The MAFT was eventually commissioned in May
1990 and bas now reached 9500 equivalent flying
hours out of the scheduled 30000 equivalent fying
hours. There have been a number of incidents on the
test which were 70t presaged by the AV-8B FSDFT
findings.

An interesting incident was discovered at 7000 hours
when the starboard wing forward attachment fitting
failed. Cracking in the aft outboard base of the
titanium fitting caused total separation of one ol the
attachment lugs, Fig 15.

1t was readily apparent from a comparison of the
(augue loadings in this region why the fitting
remained intact on the AV-8B test, while failure was
more iikely on the GR.Mk.5 MaFT. The attachment
arrangement on the wing rib is shows in Fig 16. The
distribution of loadings between the three
attachments for the GR Mk.5 and A V-8B up-bending
cases is compared in the table in the lower half of the
illustration. Under the AV-8B case the centrs and
rear altachments are in tension but, due to the aft CP
positioa of WBOI | the front is in compression. Since
the majority of positive ‘g’ loadings on the AV-8B
FSDFT were derived from this condition, the fitting
was subjected t0 a most benign fatigue spectrum. tn
contrast, the GR.MK.5 up-bending load condition
placed the joint in tension and so the fitting was
exercised more vigorously.
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This senves as aremmnder that test foads are inevitably
wealizations ol redity ad aivolve certun
vompromises. Where the aini is for « “worst” rather
than a representstis ¢ case. there will always be a nink
that the over-testing of the major part of the arframe
will be iccompanwed by an undesned side-elfect ot
Iow al under-testing.

5.5 Extent of Clearance Gained from MAFT

The MAFT 1» the comer-stone to the fatigue cledrance
of the Harrer GR.Mk.S but. in common with the
AV-8B and alt full ~cale fahigue tests, the extent o
which the components of the ~structure are tested
varies.

Among the major airframe components rot fufly
cleared by the MAFT 1s the Lafptane Untike the
AV-8B FSDFT. a tallplane 1 fitted to the MAFT -
but the loading apphied - denived from quasi-steady
state manocuvres only and contains no alfowance lor
vibration loading. This consideration 1~ particularly
important (o the tailplane which, due in part to the
unusual engine thrust confignration ol the Harmer.
experiences significant vibration loads.

A large proportion of the tailplane 1~ tabricated from
CFC material and. n commion with other CFC
components, this portion of its structure is considered
to have an infinite life. A safe Ife must be obtaned.
though. for the metal constituenis of the structure.

A detailed examinaticn has been made of existing
data provided by the development testing of the

AV 8B. The differing US requirements have proved
a fundamental barrier to read-across of lives from
AV-8B tasting. Once the results of the AV-8B
FSDFT were deemed wappropriate for clearance of
the GR.MK.5. then much of the supplementa! testing
and calculations, which were aiso based on the
worst-point-in-the-sky tenet. were necessarily
unaceeptable io the UK Authorities. Only i regions
where testing had been extended beyoend the “two
litetimes" standard was there any possibihty of
obtaining a satisfuctory read-across.

Another factor which contributed to the difficulties of
read-across on the tailplane was the tack of reliable
loading spectra for the GR.Mk.5 components. While
there was 4 high degree of confidence that the
manocuvre simulations were accurate, detailed
loadings on control surfaces were not known. The
lack of such data was a prime reason for detaying the
MAFT uniil such time as in-service loading data
could be mcorporated mto the spectrum. Once
decision had been taken to proceed with the test
without detay then the possibility of a more

<
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comprehensive cleatanee disappesned

A third prodiem i read wross calvniations, slinded te
when divcussing the KIDLS approsch to design. w.as
the ditwelty i choosinge an area for fahigue anadyss
Fll scale tetipue tosts wie neen S because i s o
dithicult o predict where fatizne cracks may imbate
The resafi-of AV N
2rcal s ibanee I D tespedt o lew tahigue Baolores

LONPOICNT TCSNE Were of ne
meauimed

A prograninie s new i hand o obtaom oading data
Trom thzht testinz and o camry out addinonal testine
o the tnlplane wid other components not covered by
MAERT Ihe thehtiest measarements will poonvade
magnitudes o foadimg tor the test but the average
Guurrences of these Joads doningy. RAF operations
will have to be esimated s expecied that m senve
At onllected tron the FMOS see Section S 7wl
he ased to contiem the wouraws of the assumad
spedctmnt

Timesscales ave been somewhat more: probonged
than argmaiiy snpposed and an interim clearance
pote Based on Latizne predichmn vatcalations will be

necessan broover continged  tving cf the aireratt

prior o completion ot this akdinonal testing - The
lneertanty inherent i hie predictnons wifl be
retlecied in the wdoption of consersatine satety
factors which will lewd by low butoat s hoped
aeceptable hives

5.6 Summary of AV-8B and GR.MK.S Test
Philosophies

The U8 test ot the .arirame was undertaken prier Lo
the mreralt’s eniry ndrsenv e with the USMC and
early enough trallow moditications - prodduction
components inthe event ot test talures: There was no
nertding ooticern tor the representative nature ol the
festapenirumoat was g randomizad sequence severe
m terts of lowding and occumences. intendad b
ighhight Tatigue hot-spots cardy enough 10 avend
vostly n-service modihicatons

The GR My S MAEFT philosophy was tounded on
difterent prmviples Above ail. st eonformed o0 UK
requirements that enipiiasize the need o represent s
exactly as possible e wmreraft’ s average m-sen e
lowdmg envinonment A Tull five hietimes of testing
s Necessiry o eover the etfects of seatter and ensure
an weeeptably low risk ol in-service Jalure: This, and
a prevailing desire o ensure modifications aid
repairs are incorporited on the specimen in g precise
reflechion of meservice practice. aet to ebngate the
real tme-scale. 1t is worth observing that the AV-XB
test was comiplete within 6 menths, while the test of

GR M S tonciiner the Harier TAR 2 ok (1o
Vaous Teasind IS vean (o cosnplete

Eaperience to date suggests that the UK gpyprowh
vichds frote relable wtomaton st the &
perlormuance of the stnacture e ense Fimal s
ware onthe GR MR S e <ian atter the aireratt has
entered serviee af lae he sgmiteant Jisadvantage
theazh oot beme aiable 1o mluence design of the
arcratt helare bl sCale pocdaction s well underway

indated UK requisenents Rez 10 now favowur
Catly pre-provducnon g et eoagpronanae
loewdmgs  wath Lo meve wonrale fest henetitan 2

(PO ey ace boad T8¢ arctie st pross e~

£.7 Fatigue Monitoring In-Service

Trhe 11- sister the AN B chie GR ML S et wan o
soltware Tahigue teter The menetits o spplic i
comvenienee Wid Lo peratin g costobLanat by ihe
e ol a tatigne merer are nnderaable P the svstem

~onevertheless nnhimentay e <ot Svered

fomted aond ondtee tes e - b

adinstiatve proacdiee e e the anerlt o

eI eI e Syt . det Gl i
[EREE e AV HANR IO B I AN R W A Cler oA

The Foss of a RAF Baco meer inthe 1T pepered
e warch tor g rephaement e W vear obl
Latigne mieter tlevhinedoey A cntnbutory caise o
that wordent was cchanse s e ot the tleel whnh
haad undermmed the mzi i dicariee Lamed trom
e tnll scade Tate st A smpie Tatigue nicter
did not alert the operator ar desienet 1o he
catasteophic smphications of these chooges

Avting on advice trom the RARE1 the RAE eaitiad
Areguirement Tor o des oo ved teet wede ooen e
the fangne ineter whick wo o0b o anaticaiiy and
directiy poovide Palicue ooat e ooverage ol al

Nt ranie Cotgs g ot e convernentia
CONUNITEnt tihe s des 0 the svarettdevelopment

wnb et prodacion the Harser GR ML S groeg

Was chiesen s The spose ot the devace

From the cathiest coneeptn
Momtoring and Compnties Svarcin EMOSS oain
ARC ANy W Con e The ophisne s
o the systent Finp et b cnpenienee trom
comprehensive wnt b ecablinhed G M
programme. hnewsas STUNMS Cared ot o ihe
RAF S Teet of Fontiabr soranatt et encennteres!

CONVACTon That St anee- w o

provade o more

redladle means ol e st sy ece faads than

mdirect tedhinigoe o nect v ramerers Bae

who were resporabie fon the et
hardware onthe GR MU S were Tisaed 1 ey

Wb The




lowatkins for the stram gauges

1t was hnown that the systent would be hinuted 0 16
strain gauge channels. s a prime consideration in the
selection of candudite locations was the need 0
mieasure broad loading actions rather than local loads
or strams at hot-spots. This would increase the
opportunities for read-across © areas of structure not
initially wentiftad as fatigue eritical. Quite severe
constramis were placed on the number o1 suitahle
lovations in- this respect hy the requirement to mstall
2auges on all arcratt. Internal gauging of the wing,
tor example., could not be etfected withun the
production programnie and a tull “Skopshi®
calibration eaercise on each aircratt was mpractical
Further tactors whick: itiuenced the position off
Rauges were doe of aecess or repair and, sonewhat
con’ aetimgly, secunts trom e idental damage

The general arrangement of the FMCS equipaieat is
shown in Fig 17 The position ot the hridge
conditioning modules, which are near to strain gauge
lowcanons, prosy kfe an mdication of the structural

LOVET e

The priftie jaurpose of the FMUS s tlect-wade fatigue
momtonng All processmg necessary 1or this task s
wamied out onhoard the aircradl - Fatigue index values
are comiputed 0 real-tinke and transtermed atter thght
to ground-hasad ssstems In mestinstances turther
prsesang of dataon the graind will be uniecessary,
but whire re- iy ie 1s required sullioent
part-provessed data are transterred with the FI v alues
to alow vahidation or retrospective adustnents o by
made I cees where woess o raw dats s ceeded,
the Laality @nisis 10 record snprovessed strain pauge
NEIKH

When FMCS enters service i s Tikeis that it witl plas
annportant part n the leatanee o the napd atenis
aoteovered by the MAFT  General levels ot loud can
be obtained trom hight fests put until g database of

I Sey 10 TTeguene s vl ocetrrence Jata s
sounviated. dicaranue will rest o assumied osage In
this Guasi- OLM ole, FMOS will paosule the fira
comprehensive el of in-service ~trniurgd osage Jate
cver vbtaned tor any mark ot UK Hagrser aanoratt

The choke W use stram gatees on FMOS was basaal
on the experience of therr use o Fomaato where
thes Rave proved rehable, versatile and durable
There ae differences inthe wo svster though
which lead 1o cetam areas ot sk tor EMCS The
Tomad SUMS svstem s tully canbratad whach has
wllowed many gauges to be placed noareas away tnam
vulnerable atachment positions 1nly eight airceratt
are instrumented s service personpel ane able b lake
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extra care with these aircraft without adversely
affecting overall servicing times. The system itself s
maintained hy BAe personnel so there has been no
need for stratn gauge eapertise in the RAF. Data
generated hy the SUMS system are also processed
exclusively hy BAe.

In these respects FMCS 15 a different prospect lor the
RAF. A knowledge and awareness of strain gauge
technology 1> under developmient and attencon s
now beinz paid to the storage and analysis of the vast
amount of data that will he generated hy FMCS.
Ulumately. there i~ httle douht that FMCS wil! be the
KAF s niost powerlul fatigue management o).

6. DESIGN AND CLEARANCE AGAINST
FATIGUE - HARRIER T.Mk.10

The RAF operated g number of two-seat Harrier
varants alongside the Hamer GR. MY aireraft in a
demanding dual Dghter trasner role Keen 1o maintain
this operational (ormat, the RAF has ordered 13

T MK 10 two-seat derivatives of the Harrier

GR Mk S

There s o high degree of comntonality between the

T Mk 10 and the GR Mk S_hut this provurement
diflers m that the new structure of the T Mk 10 has
been designed 1o UK requirements. A direct purchave
“ott-the-shell” of the USMC AV -8B tramer. the
TAV 2B wa precluded hy the cpmificantly more
exacting role specitied for the T M 10 The rear
tuselage. in particular. has been strengthened in
response to GR Mk 8 MAFT 1¢uits and nstances
Wy e of acoustic Tatigue damage

A tull wale tatigue test of the T Mk 10 w as deemed
unnecessary due 1o the hroad conmonabity of
structure with the GR Mk § The most extensively
changed structure 1= the tront fuselage wingh s
Libnicaied fargely trom CFC matenial and has been
wdpad cleared by eleniont testing carried ont tor the
TAVXB winralt The remainder ol the dietallx
structure has been cleared by BAe asing

Neober hased KIDLS calcutations incorporating
tahigue hite T tom o1 five tor areas ~hared with the
GR Mi S aireratt and 10 tor new . enhanced tructore

7. CONCLI'STIONS

Whatever tanzue analvais and test technigues are
adopted inthe design and dearance of mwtallc
strctures. an underly g Cotsooustiess must be
retaned of the impossibility of weenrate tatigue hife
prediction Moderm stressutaly s technigues have
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removed some areas of uncertainty which had
previously rendered many fatigue calculations
worthless, hut scatter in fatigue performance can not
be eliminated.

The introduction of stressing procedures which
incorporate allowable fatigue stresses has provided
an excelfent means of promoting a general
recogniticn amongst stress engineers of the threat
metal fatigue poses 10 siructural integrity. But the
principle adopted by HSA in the original design of
the Harrier that high stress concentrations should be
aveided rather than sanctioned by caleulation must
remain a priority in areraft design.

The experience from the early days of the Harmer
through 10 AV-8B and GR.MK.5 has shown the
overriding importance to successful fatigue resistant
designs of experience gained from forerunners,
prototypes and full scale fatigue testing. For the
foreseeable future, testing will be invaluable in
locating those areas ol the structure which are prone
to fatigue cracking. Expenience has shown that
fatigue problems are fickte and defy designers
attempts to anticipate them.

The nature of test loadings and the duration of the test
are arcas where US and UK philosophies diverge.
However, it is not unreasonable to regard the AV-8B
and GR.Mk.5 tests as complementary parts of an
overall programme which has yielded benelits for the
USMC and the RAF. Depending on the objective of
the test each approach has its merits. A shon, sharp
test is useful at the early design stage to highlight
particularly poor design features which shoutd be
deleted belore production is underway. A more
prolonged test, where every attention is paid to the
simulation of actual operations, is essential if reliable
indications are needed of likely fatigue problems
in-service.

An area where US and UK authorities agree is the
treatinent of CFC components. CFC materials
exhibit a larger variahility in mechanical propertiex
than metals and are more suseeptible 10 adverse
environmental conditions. For these reasons a lull
scale fatigue test of the airframe is not a viahle
clearance route for CFC structures. Qualification is
achieved incrementally through testing ol
progressively more complex elements and
substructures. Routine imspection of the CFC
structure in-service provides additional assurance that
structural integnity is not compromused by this
concession.

There is also general recognition that the fatigue
meter is no longer able to monitor fatigue usage on

modern, highly manocuvrable combat areraft. There
is no firm consensus, though, on the most suitadle
means of broadening the fatigue monitering
envelope. The UK Authorities strongly Believe strain
gaugus are essential o establishing the accurate
loading histories on major aiframe components,
while others consider that load predictor equations
are xatisfactory.  But there is no doubt that either
option will reduce the penalty incurred by the
continued use of the tatigue meter - whether it be
unecessarily Massive stricture or reduced operational
safety.
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9. ABBREVIATIONS

BAe
CFC
DLS
DLL
Fl

FMCS

FSDFT
HSA
Kt

MAFT
MCAIR
OLM
RAE(F)

RAF
S-N
SOl
SUMS
USMC

British Aerospace

Carbon Fibre Composite

Design Limit Stress

Design Limit Load

Fatigue Index. A non-dimensional
number which. via damage calculation.
ix used to quantify severity of loading
relative 10 a defined datum (normally a
full scale fatigue test spectrum).
Fatigue Monitoring and Computing
System

Full Scale Development Fatigue Test
Hawker Siddeley Aviation

Geometric Stress Concentration

Factor

Main Airframe Fatigue Test (GR.Mk.5)
McDonnell Aircraft Company
Operational Loads Measurement
Royal Aircraft. later Aerospace,
Establishment (Farnborough)

Royal Air Force

Stress-Endurance

Statemient of Operating Intent
Structural Usage Monitorirg System
United States Marine Corps
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Figure 2. Heywood's Generalized S-N Equations
Eftects of Varying Kt
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Fatigue Design Condition
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Figure 5. AV-88 Component fatigue Spectrum Development
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Figure 7. AV-8B Forward Fir Fitting
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Frame 43 vertical
tail aft attach

Horizontal stabiiator
drive rib actuator attach

Main ianding gear

tie down lug fiiiet :

Wing aft attach
link L/H and R/H

Figure 10. AV-BB Improved Fatigue Tracking System
~Structural Contiol Points
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Figure 11. Phantom Comparison of US and UK Normal Acceleration Spectra
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Figure 12. Harrier GR. Mk. 5 Normal Acceleration Spectrum
and Comparison With Other Spectra
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FATIGUE DESIGN, TEST AND IN-SERVICE EXPERIENCE OF THE BA¢ HAWK

John O'Hera
Structures Unn
British Aerospace Defence Ltd.,
Brough, North Humberside HUIS 1EQ
United Kingdom

SYNOPSIS

The BAe Hawk family is designed primarily to UK
regulations, including the safe life S-N fatigue philosophy.
S-N data pertinent to key structural features was assembled
at the design stage, and fatigue coupon / element tests were
conducted in confirmation. The Hawk TMk.1 Full Scale
Fatigue Test (FSFT) has continued to 1cad the RAF fleet, and
the test loading has been validated by a major Operational
Loads Measurement (GLM) exercise. Incidents arising on
the FSFT or in-service are handled by several approaches
including S-N and fracture mechanics calculations, testing,
statistical analysis, and modifications and / or routine
inspections are introduced when necessary. The development
of the fatigue life clearances of the BAe Hawk family is
discussed with particular emphasis on the confirmatory
testing and in-service loads measurement necessary to ensure
and maintain fleet aircraft fatigue life clearance.

1. INTRODUCTION

The current new derivatives of Hawk are developments of a
successfully established aircraft, the Hawk TMk.1.
Developments in engine, airframe, and avionics technology
have enabled the design to progressively meet market and
customer requirements for ever greater capability, reliability,
and low maintenance costs. The design has evolved to
include a naval version with carrier capability, together with
operationally capable single seat and twin seat variants. The
structural problems posed ercompassed both the static and
fatigue/fracture aspects, often leadingtotheneedforextensive
analysis and confirmatory test programmes. The Hawk Ful
Scale Fatigue Test (FSFT) has to date proved successful in
identifying areas requiring modification and/or routine
inspection, and it is noteworthy that no Hawk aircraft has
been lost due to structural failure. Validatior of the FSFT
loading spectrum was obtained from the Hawk TMk.1
Operational Loads Measurement programme which
comprised more than 409 flights covering the range of
aircraft utilisation. This paper discusses the treatment of the
fatigue life clearance of the Hawk TMk.1, by calculation,
test, modification, inspection, and monitoring. The fatigue
clearance of the naval T-45 Goshawk, designed to Mil Spec
regulations and presenting diffcrent structural chalienges, is
also discussed.

2. HAWK T-Mi.I DESIGN REQUIREMENTS

Specification 281 D&P was issued by the Controller for
Aircraft in March 1972. and was strongly based on the
requirements of (1). 1t called for a new tandcm seated jct to
cover the course of training between basic and OCU
(operational conversion unit) stages, encompassing general
handling, instrument flying, navigation, formation flying
and weapons training.

Emphasis was placed upon the need for low operating costs
and high reliability, and this was reflected by the stringent
fatigue requirement for the primary structure of 6000 flying
hours, factor 5, to the spectra of Figure 1, with adesign aim
that this be inspection free. Furthermore, it was specified that
all aircraft equipment should comply with the vibration
requirements of (2).
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3. HAWK T-Mk.1 DESIGN PROCEDURE

Thestructural analysis of Hawk followed rules and employed
methodol ogies which are current today, of note was the early
use of finite ¢lement modelling in the form of the force
method.

Fatigue was an important consideration in the structuraj
design and special attention was paid 10 the selection of
materials possessing good resistance to crack initiation,
stress corrosion and crack growth. Titanium interference-fit
fasteners were specified inkey wing andfin areas, particularly
skinto spar connections, and the one piece integrally machined
wing skins minimised the number of possible crack initiation
locations. Furthermore, the low wing configuration placed
the wing 10 fuselage attachment links principally in
compression during flight, thus conferring good fatigue
resistance.

Fatigue analyscs were based on traditional Miners S-N
methodology, combined with elastically calculated boltload
distributions where appropriate. Design spectra, including
those of Figure 1, were derived from detailed data and
operating experience on RAF Gnat, Hunter and Harrier
aircraft, covering the planned RAF Hawk training schedule
ranging from general handling and low level navigation
excreises to advanced weapons training and air comhat
practice. Fatigue element and coupon tests were
commissioned to confirm the F.tigue design ofkey structural
features suchas the wing centre line joint, Figure 2, including
assessment of life sensitivity to possible build tolerances and
the effect of interfay.

Vibration analyses were performed to the Category 4 levels
of (2), which werereflected in all pertinent aircraft equipment
procurement specifications.
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Fig. 2 - Wing Centre Line Joint Fatigue Test Specimen
commissioned during the design stage

4. TEST CONFIRMATION OF HAWK T-Mk.1 DESIGN

Static strength testing of the airframe was performed on a
TMk.1 aircraft structure, with the tailplane and aileron iested
scparately. Figure 3 shows the test wing and fusclage at the
preparation stage prior to assembly. Note the fitment of load
padstoenableload application via hydraulic jacks and wittic
rees. Over 700 strain gauges were fitted 10 the test anticle to
enable maximum information to be derived, including
comparison of thcory with practice and assessment of
variation in structural response with load level. In general,
the test article denionstrated more than adequate static
strength, indicating suhstantial scope for future growth.

The TMk. 1 Full Scale Fatigue Test (FSFT) indicated that the
design was sufficienttomeetthe design requirements, whilst
suggesting that fatigue enhancement of the wing was
necessary to provide scope for significant service life
extension, and for the mass growih that would ensue from
uprating the aircraft’s capability. Figure 4 shows the
installation of the FSFT for the naval Hawk version, the

T-45A Goshawk, in the Brough Structural Test Facility. The
Hawk TMKk.1 FSFT configuration is along similar lines.

Fig.3 - Hawk T-Mk.1 Static Strength Article prior to
assembly and test, at British Aerospace. Kingston

= i el ‘k;_
Fig4 - Inswallation of Goshawk full scale fatigue test
arucle, at British Acrospace, Brough

5. HAWK T-Mk.l VIBRATION OLM PROGRAMME

Thirty-four accelerometers were fitted to the first production
Hawk, XX154, sce Figure 5. Recordings were tuken over a
twelve flight programme, and power spectral densitiesderived
for particular flight conditions at different structural locations
for a variety of aircraft configurations, see Figure 6. This
work led to the construction of eguipment procurement
vibration spectra for differen: zornes of the wircrafl, and these
are still in use today.
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Fig.5 - View: showing the uccelerometer locations for
the vibration trialy aircraft
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6. HAWK TMk.1 OPERATIONAL LOAD MEASUREMENT

The TMk.1 OLM programme was one of several, including
Tomado, Jaguar and Buccaneer, to be commissioned by the
UK Ministry of Defence in the early 1980°s. The principal
aims were :-

(a) to compare the Hawk TMk.1 FSFT loading with in-
service loading at specified structural locations, including
confirmation of the efficacy of the wing fatiguc meter
formula.

(b) to idcntify particularly damaging flight regimes.
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<1 OLM Instrumentation

The programme employed two instrumented aircraft and
encompassed more than 400 flights covering the range of
Hawk TMk.1 utilisation. A Plessey Structural Usage
Monitoring System (SUMS) was installed in each aircraft,
recording 14 strain gauge bridge outputs (see Figure 7) and
16 aircraft parameters (see Table 1) on one C90 cassette tape.
Flight durations are typically one hour, and the following
measures were introduced 1o maximise the amount of useful
recorded data :-

(a) the recording system start-up wasdelayed until selection
of 95% throttle angle sening, as opposed 1o engine
switchi-on, tominimise pre-flight expenditure of recording
time, which was limited to 67.5 minutes at full sampling
rates.

(b) a data compression facility was incorporated, with the
SUMS equipment automatically selecting either fast or
slow recording rates dependent on flight conditions. A
low sampling rate (data compression) was used for those
parts of a flight which result in structurally insignificant
conditions. The decision to switch from the full recording
rates of Table 1 occurred when relevant trigger parameters
fell below preset threshold values.

Fig.7 - Hawk OLM Strain Gauge Locations
Refer to Table | for details

The strain gauges of Figure 7 were located as for the Hawk
TMk. 1 FSFT 1o provide readacross and to facilitate meeting
the two principal aims 6(a) and 6(b) above. The low stress
gradient nature of the gavge locations, together with the
good accuracy of properly installed modern day strain gauges,
the checks provided by two identically gauged aircraft, and
consideration of cost led to the decision not to ioad calibrate
the OLM aircraft. This decision proved, in the main, to be
rcasonablc. Howcvecr, the colicction and analysis of a very
large body of data oftcn involves dealing with surprising or
conflicting information, which only strain gauge load
calibration may be able to resolvc. One of the conclusions of
the programme was that load calibration should be included
in future OLM excrcises.

I o e Y
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Symbo! Location / Parameter Samgling Rate
S01 Tailplane Port Top Skin 32
S02 Tailplane Starboard Top Skin 16 °
S03 Tailplanae Jack Hor 16
S04 Fin Front Spar Root 16
S05 Fin Rear Spar RooT 16 x,
S06 Pont Wing Auxillary Spar , Web 8
S07 Pont Wing Front Spar , Rib 1-2 8
S08 Port Wing Rear Spar , Rib 1-2 8
S09 Port Wing Front Spar , Rib 7 16 o
S10 Port Wing Rear Spar , Rib 8-9 8
SN Starboard Wing Front Spar , Rib 7-8 8
S12 Starboard Wing Rear Spar , Rib 8-9 8
S13 Top Longeron Port , Frame 12-14 8
S14 Top Longeron Port , Frame 20-21 8
S15 Fin Front Spar Root - Reversed -
S16 Fin Rear Spar Root - Reversed . L
S17 Tailplane Hinge Port -
S18 Tailplane Hinge Starboard
NAC *  Normal Acceleration 8
IAS *  Indicated Airspeed 2
ALY *  Pressure Altitude 4
LAC ¢ Latera! Acceleration 8 L4
TPA *  Tailplane Angle 8
AAP *  Aileron Angle - Port 8
AAS Aileron Angle - Starboard 8
RUD *  Rudder Angle 8
FLA *  Flap Angle 8
P6 * Ps 8
THA *  Throttle Angle 8 S o
VAS Vertical Acceleration - Starboard Wing 8
CWP Central Warning Panel } 1
UND Undercarriage Down } Events 1
ABP Airbrake Position } 1
UNU Undercarriage Up } 1 ®
Notes:- 1. Sampling rates are quoted in samples per frame. The SUMS equipment records at 2 frames per seccnd.
2. The sampling rates given apply when the SUMS equipment is operating In uncomprassed mode.
3. Gauges 515, S16, 517 and 518 are strain gauge outputs derived from other strain cauges.
4. * - Parameter which is part of the standard ADR system.
Table 1 - Hluwk OLM Measurement Detuils ®
6.2 Analysis Procedure and each strain gauge history rainflowed prior o dedicated

g ) ) S-N unalysis. The use of S-N curves fitted to FSFT
Comparison of In-service fatigue loading with that of the performance, asdiscussed above, enabled direct comparison
FSFT was performed using S-N damage calculationsateach o yn-service and FSFT damage rates, thus providing
of the stran gauge locations. Mcan S-N curves were selected — confirmation of the fleet clearance conferred by the FSFT.
torepresent the structural feature monitored most closely hy °

cach strain gauge on the basis of shape, suchashighorlow [ de b cap - mvvdecir qimm e e~ Wi
load transfer. They were set to predict cither actual FSFT _..(-—:» 1V ;: ‘::'_::: b
anisings, of imaginary incidents upon the application of the o R i e N S
next FSFT loading cycle, using rainflowed strain histories. G et 2 e =
Ou completion of cach OLM flight, the C90 cassetie was [ B I ‘fj:v}? *’ = :‘-:\-".' ..L{“r.",';.'
despaiched to BAe Brough together with the appropriate 10 el e PR Ko ®
MoD form 725 giving details o1 mission type, aircraft i -\;:\,;:} £ath
configuration, take-off and tanding weights together with : r\,\_ “' e
fatigue meter readings. The casseue was replayed and copied et » Vo
1o disk, and a quick look chart containing a plotted time i Sns i

history of each strain gauge and aircraft parameicr produced.
A pontion of atypical quick took chart 1s shown in Figure 8. . )
Corrupt data, including spikes and dropouts, were removed, Fig & - Sepment of Hawk OLM quick look ¢ hart °

Time 7t Min 47 Sec




Fatiguc monitoring of in-service Hawk TMk.1 wings is
provided by a fatigue meter, which cumulatively records
exceedances of discrete normal acceleration levels, and is
located close to the cenuie of gravity of the aircrafi. Figure 9
indicates the variation of incremental bending moment with
wing span location, due to rolling during asymunetric
manoeuvres, leading 1o the lowering of the allowable wing
fatigue stress in tne outhoard direction when the flight
spectrum is not solely symmetric.
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Fig.9 - Effect of Wing Spectrum Asymmetric Content

Therefore, since the fatigue meterrecords only the symmetric
acceleration component, Nz, of any particular manoeuvre, it
was important 1o establish that the fatigue damage rates per
F.1. (wing fatigue accrucment is measured by the fatigue
meter in terms of Fatigue Index units), calculated for each of
the FSFT wing strain gauge histories, were at least as great
as those inferred from the OLM strain gauge measurements.

63 Analysis Resuits

The analysis concluded that the fatigue meter was in fact
adequately monitoring the aircraft, inferring sufficient
asymmetric manoeuvre content for the +SFT loading
spectrum,

The analysisalso showedthatthe FSFT finloading adequately
covercd the most damaging normal service usage. again
supporting the degree of asymmetric content within the
FSFT loading spectrum.

The position regarding the fuselage and tailplane was less
clear cut. Inspection of tailplane strain gauge flight traces
showed significant vibration activity during cerain mission
types, which was surprising in view of the length of time the
TMk.1 had been in service bearing in mind it had not been
reporied by any aircrew. Analysis highlighted three main
vibration modes and calculation indicated that such loading,
whilst not particularly damaging in real terms, substantially
undermined the then achieved FSFT tailplane clearance. A
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special empennage OLM vibration trial was commissioned,
employing much higher digital recording rates as well as
analogue measurements t¢ ensure that the vibration
mechanism was properly understood. Figure 10 illustrates
the problem of selecting digital sampling rates for strain
gauges in vibration environments, highlighting the possibly
serious underestimation of strain magnitudes produced by
slow sampling rates. The results of this special programme
formed the basis of the Interim FSFT which brought the
clearance of both Lailplane and fuselage up to thai of the fin
and wing without incident, as predicted by calculation.

Digitally fikered and sampled
20 . fo simulate OLM
Analogue OData  Digrally fikered
5
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10
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Fig.10 - Comparison of OLM &
Analogue Derived Response to Buffet

In general, substantial scatter was observed betweendamage
rates calculated from noticnally similar flights. This scatter
was evident over the full range of mission types, justifving
the large number of 400 successful flights specified at the
outset of the programme.

{tislikely that the scatter within specific mission types arose
principally from two main sources :-

a) naturzily occurning differences between similar flights.
b) insufficiently precise mission labelling.

Mission identifiers, known as Sortie Pattem Codes (SPC),
may each encompass variations of one particular flight type,
and, bearing in mind the marked sensitivity of calculated
fatigue damage to changes in load levels and utilisation
profile, one may deducc that b) above may contribute
significantly to the total scatter. Possibly, greater focus of
mission descriptions would reduce such uncertainty.

7.POST OLM ANALYSIS

Following ihe successful conclusion of the Hawk TMk.1
OLM programme, attention was focused on the unmonitored
structure, which attracts an additional life factor of 1.5
compared with structure monitored by the fatigue meter, (3).
Since fatigue damage accruement varies markedly with
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utilisation, and given the large body of data covering key
strueture over the full range of TMk. 1 utilisation, analyses
were eonducted to establish whether monitoring of the wing
only was adequate. These analyses showed that the usual
additional unmonitored factor of 1.5 was adequate for the
1ailplane and fuselage where stress levels were sufficiently
low. However, it was considered prudent to introduce passive
monitoring of the TMk.1 fin, using OLM derived damage
coefficients for each SPC, to cater for those fin structures
whieh might be subject to utilisation spectra markedly
departing from the design specirum. Consequently, a SPC
dependent fatigue damage formula has been issued for in-
service Hawk TMk.1 fins.

Current MoD policy is moving towards retention of the 1.5
additional factor in cases where an OLM programme has
been conducted and regularly revalidated (4), increasing shis
factor in the absence of such programmes. Conversely, (4)
discusses the possibility of reducing tbe 1.5 factor in cases of
OLM derived passive monitoring. Note however that this
alleviation has not been introduced for Hawk TML. fins.

Further Hawk TMk.1 OLM programmes arc likely to be
commissioned as eircumstances dictate, either in responsc 1o
marked changes in utilisation, or as data collection excrciscs
in pursuit of solutions to specific fatigue problems.

8. TREATMENT OF FSFT AND IN-SERVICE ARISINGS

Where the test loading has beenrepresentative, ali significant
fatigue incidents so far have arisen first of all on the FSFT.
One recent arising, currently under investigation and
involving several separate bolt failures, may be eaused hy
tensile residual stresses induced by heavy asymmetric
landings. This class of residual stress problem, induced by
occasional overloads outside the scope of the fatigue design
spectrum, is difficult 10 identify on even the most
comprehensive OLM programme, and is likely to remain a
source of unexpected arisings on many types of aircraft in
years 1o come.

8.1 Investigation Procedure

Generally, following the discovery of a new problem, flect
structural integrity is maintained by the application of some
cr ail of the following.

a) the crack may be removed and subjected tometallurgical
examination, including assessment of the mitiation
process and striation counting wbere possihle.

b

=

stress analysis of thecomponent is conducted/confirmed,
often involving finite ciement analysis and/or strain
gauging, and appropriate S-N analyses performed.

~

c) stramn racking crack initiation methodology may be
employed to account for the effect of spectrum sbape,
especially useful in the case of compression induced

tensile residual stresses.
d) coupon/clementtests may be performedinconfirmation.
e) LEFM is used to predict crack growth history.

a), b), ¢), d) and ¢) above are used to explain the presence of
the crack and 1o specify any in-service inspection intervals.

Stress levels and/or S-N and da/dndatamay be ‘tuned’ in line
with the observed crack discovery time and the results of a)
above. In eases of doubt eoncerning the read across of FSFT
loading to in-service usage, some ground and/or flight strain
measurcments may be commissioned.

8.2 Fleet Action

Regular inspections will almost always be introdueed. They
may be employed temporarily to maintain fleet structural
integrity until a suitable repair or modification is embodied,
orineluded in routine inspection schedules if a philosophy of
repair or modification on condition is adopted.

8.2.1 Inspection Requirements

Inspection specifications usually comprise the following,.
a) an inspection procedure / te~hnigue.

h) an initial inspection time / life point.

¢} a regular inspection interval.

b) and ¢) above depend critically on the efficacy of the
metbod specified in a). Additional factors of safcty above
those usually specificd are incorporated where the inspection
metbod is considered to he less than normally reliahle,
owing, for example, to poor access or low sensitivity.

The initial inspection point, after which regular inspection is
required, tay be set solely by consideration of incident
times. However, itis often more efficient to first of all inspect
on a fleetwide basis to establish the population values,
obtaining the current lives of both affected and unaffected
components, and employ statistical techniques to predict a
‘safe” initial inspection point based on a nominal level of
confidence.

Following sucb a flectwide inspection, let

X x, be the lives of cracked components

Zyu Ty wevnneene 7, b The lives of uncracked components

Lety =f(x, 8), x >0, be the prohability dens-ty function of
time to cracking X of the component, where 8 is the vector of
distribution parameters.

(cg. 8 = (V.o) in the case of a normal distribution)
Then B may be estimated by maximising the Likelibood
function

L= ﬁ: 1(x . §) ﬁ gz ) where gl = Ti’(s. L ds
1= 3=1 4

and the maximum likelibood estimate of the ‘safe’ first
nspection point S is then ohtained from the selution 0

l-g(S, B=a
where a 15 the preset level of risk (often of the order of 103).

Log-normal and two parameter Weibull distrihutions bave
heen suceessfully employed on Hawk problemsin seting the
value of S . Note however, that whilst botb distributions
often yicld very similar values of S, the hazard function, or
age specific failure rate,

At >0 At

h(ty=hm Prob(t< X <t+ A t<X)




of the log-normal distribution is non-monotonic, suggesting
that ihe distribution may not in certain cases be suitable for
predicting future population behaviour, restricting its use to
the estimation of S,

Probable errors in the estimates of § and S. may be derived
from likelihood theory.

9. T-45 GOSHAWK FATIGUE DESIGN

The T-45A Goshawk is anaval version of the Hawk TMk.],
and has been designed by BAe and MDC 10 be crack free for
14400 fiying hours, factor 4.

The structural analysis procedures follow US Mil Spec
regulations, as opposed 10 UK Av P and DEF STAN
requirements, including the use of the Neuber crack ini*iation
method 10 establish adequate fatigue life.

Fatigue allowable stresses were derived from minimum life
spectra determined by truncation analysis, as shown in
Fig.11. A comprehensive coupon/element fatigue test
programme was commissioned in support of the initial
fatigue calculation effort, including checks on spectrum
sensitivity 10 confirm minimum life spectrum configurations
and testing of alarge wing panel to confirm damage tolerance.

T-45A Lower Wing Skin
to Front Spar Connection

2
-4
T T T T T >89
5 6 7 8 9
Truncation Level
T-45A Undercarriage
Attachment Lugs
5 \_/
-4
Sink Speed
(ft/sec)
J 1 T -

T T ¥
14 16 18 20 22 24
Truncation Level

Fig.11 - Typical Life v Truncation Level Analyses

Particular attention was paid 1o the influence of the much
greater landing loads encountered during carrier operations
on spectrum shape and severity. The incorporation of the
effects of residual stresses on time to crack initiation proved
to be particularly beneficial, especially in cases of tensile
residual stress which can profoundly affect the initiation
time 2t features considered to be experiencing mainly
compressive applied siresses.
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This latier point was amply demonstrated during the design
of the wing. Calculations, shown in Fig.12, indicated early
crack initiation in the upper wing skin at cenain access panel
auachmem holes, caused by subs:antial tensile residual
stresses induced by high Nz manceuvres. Simple coupon
tests were commissioned, Fig 13, and confirmed the
calculations which indicated that a 30% reduction in notch
stress level was required in order 10 meet the specification.
The option of instaliing titanium interference fit fasieners
was not available owing 1o the need for routine in-service
panel removal, and hole cold-working is not efficacious in
such compression problems. Several different designs of
steel bush were evaluated, and cracked a1 30% 10 50% of the
life requirememt with the skin still uncracked, thus not
meeting specification. Following further investigations,
Copper-Berylium imerference fit bushes were tested and
complied with specification.

T-45A Wing Upper Skin Crack Initiation Analysis
1000

900
800
700

600

Peak Elastically Calculated
Spectrum Stress Kte(MPa)

0 2 4 6 8 10 12
Number of T-45 Lifetimes
Fig.12 - T-45A Wing Upper Skin
Crack Initiation Analysis

Holes ‘A’ & ‘B’ unbushed in early tests which confirmed
the problem. Further tests performed with bushes to
identify tha fatigue solution.
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Fig.13 - T-45A Upper Wing Skin Coupon Specimen to
Assess Compression Induced Fatigue
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T45A and Hawk aircraft possess rany eommon struetural
characteristics. However, a significant struetural difference
lies in the method of undercarriage attachment. Compared
with Hawk, much greater energy absorption eapability is
required of the T-45A landing gear. In response t¢ this
requircment, the wing structure has undergone some
reconfiguration, including the adoption of aone piece landing
pick up rib running from the auxiliary spar to the rear spar,
necessitating a split in the front spar shown in Fig. 14, The
strueturc was considered less amenable to aceurate analysis
than usual, due to the eomplex interaction of landing and
flight loads at several signifieant locations.

Rear Spar

Front Spar

Fig.16 - General view of T-45A Pre-production
Wing Fatigue Test Rig

Thus, a major fatigue test was commissioned and performed
by BAc to investigate the structural integrity of this
configuration, Figs. 15 & 16, and was scheduled 1o protect
the first hatch of production aireraft in case design changes
were required. Two important incidents arose towards the
Auxiiary Spar end of testing :-

a) crackinginthe lower flange of the front sparat the second

fastener hole just outboard of the landing rih, Fig 17,

h)

cracking of the Jower skin edge at the main landing gear
cut-out radius, Fig. 18.

Incident a) was caused hy over-zealous stepping down of the
spar flange thickness as it terminated outhoard of the landing
rib, and was cured hy a small increase in thickness.

Y J

”
# /
Fig.IS - View on top surface of T-45A Pre-producuon
Wing Fatigue Test Rig Coim . ATe

4 '\.\

Fig 17 - View showing lower flange of front spar outer
Crack runs from 2nd fustener hole Quthoard of Rib 7
towards free edge




Fig.18 - View showing crack in lower skin inboard of
Rib7

Incident b) arose even though the incremental stress/g was
reduced to approximately 65% of the surrounding region
value. Finite element analysis indicated that the crack had
initiated at a point where flight induced stresses (mainly
tensile) and landing induced stresses (mainiy compressive)
each concentrated substantially, though not each at their
peak concentration. This unusual circumstance led to
significant stress ranges within the fatigue spectrum. Coupon
testing, Fig. 19, identified high strain enetgy density, due to
the shallow stress gradientinduced by the large notch radius,
astheprincipal eause of earlier than expeeted erack initiation,
magnifying the effective fatigue stresslevel by approximately
1.3. Research is currently underway at BAe into this
mechanism, which tends to oceur at holes above a eertain
diameter and at appropriately shallow notches, and initial
resulls are encouraging. Extensive finite element analysis
identified theneecssary design ehangcs, ineluding separation
of theflight and landing stress eoneentrations, to the eut-out
profile within space constraints, which was proven by
confirmatory fatigue and statie testing. Details are given in
Fig. 20 and Fig 21, including the benefits of the local
thickening adopted as part of the solution.

355.6mm

|-‘='

Thickness 13mm

76.2mm
8m

50mm Radius

Fig.19 - Lower Wing Skin Coupon Test Specimen

1928mm.
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Fig.20 -
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T-45A Lower Skin Stress Analysis Specimen
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The above illustrates the value of pre-production large scale
tests in cases of greater than usual uncertainty, where the cost
is more than outweighed by the potential savings on post-
design frecze modifications and design changes.

The T45A hasnow entered service withthe USNavy, and the
Full Scale Fatigue Test is currently underway.

10. CONCLUSIONS

The structural design of Hawk is based strongly on the nced
for good fatigue life, which has been achieved by a
combination of calculation, test, and flight measurement.
OLM hasplayed akey rolc in boih the maintainance of Hawk
TMkl fleet fatigue life clearance, and the current MoD
standpoint on lifc factors suggests that it will feature cver
increasingly in the managcment of aircrafi fleets. The T45A
Goshawk pre-production fatigue test illustratcd the
considcrable savings that can be achicved by identifying
fcatures rcquiring attcntion prior 10 manufacture.
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REDUCTION OF FATIGUE LOAD EXPERIENCE AS PART
OF THE FATIGUE MANAGEMENT PROGRAM FOR F-16
AIRCRAFT OF THE RNLAF

D.J. Spiekbout
National Acrospace Laboratory NLR
P.O. Box 90502, 1006 BM Amsterdam
The Netherlands

1. SUMMARY

Load monitoring of the F-16 flect of the RNLAF is carried
out by NLR using an clectronic device capable of analyzing
the signal of a strain gage bridge on onc of the main camry
through bulkheads. This ic done on a sample of the fleet. By
making use of the information stored in a large centralized
data base system, “individual airplanc tracking” is done.

Six times per year, the fatigue damage experience of the flect
is reported to the air staff, expressed in the so called "Crack
Severity Index”.

From the measurcmznts it is known, that the RNLAF is
operating its F-16 flect in a very damaging way.

For this reason, it was decided to investigate the possibilities
how io decrease the severity of flying. In this program much
attention has been given to the "stress per G” relation during
a flight. In particular the influence of flying with more
favourite take off store configuration has been studied.

2. INTRODUCTION

Load monitoring of the F-16 fleet of the Royal Netherlands
Air Force, RNLAF, is carried out by means of an clectronic
device which analyses the signal of a strain gage bridge on
one of the major carry through bulkheads of the fusclage.
Beside this strain gage bridge, also altitude, airspeed and
loadfactor are being recorded. A dcbricfing form has to be
filled in for each recorded flight.

"Individual Airplane Tracking” is possible by making use of
information, like mission code and take off store
configuration, which is stored in a large centralized dats base
system. The latter information is available for all flown F-16
flights by the RNLAF.

The loads department of the Nationul Acrospace Laboratory
in the Netherlands, NLR, is responsible for this load
monitoring program and the processing and analysis of
recorded data.

Six timea per year the damage experience per aircrafi,
squadron and/or air base is reported to the air force. By using
this informatinn the RNLAF can closely mionitor the fatigue
experience of the fleet and take appropriate actions.

The results over the last years did show, that a number of
squadrons within the RNLAF arc operating far more
damaging with the aircraft than has been assumed for the
mainteuance  schedule  given in the  Fleet  Structural
Maintenance Plan, FSMP.

For this reason, a working group was establisked in order to
reverse the trend of the more damaging {lying from year io
year.

As part of the activities of this working group, NLR
developed a software program to recalculate the damage of a
recorded flight for a different take off store configuration
than the original one, bwt assuming the same loadfactor
history. Further, the influence of flight limitations on
loadfactor, airspeed and/or altitude can be studied. As a
result, advices have been given to the RNLAF for lowering
the fatigue experience of the fleet.

In the next chapler of this paper the load monitoring, as it is
carried out today by the RNLAF, will be described.
Individual airplane tracking and fatigue management will be
presented in the next two chapters. In chapter 6 a description
will be given of the method used for calculating the fatigue
damage of a flight, in terms of crack ,rowth. This is the so
called "Crack Severity Index™ concept.

In chapter 7 the different steps, which have been taken to
investigate the possibilitics for reducing the damage of a
flight, will be discussed. The paper ends with some
concluding remarks.

3. LOAD MONITORING TODAY IN THE RNLAF

For many years, the NLR has been engaged in the load
monitoring of the Lockheed F-16 aircraft of the RNLAF.
From 1990 on, the originally available equipment such as
Mechanical Strain Recorder and Flight Loads Recorder, has
been replaced by instrumentation specified by NLR. Data
collection and data analysis is carricd out by NLR. An
overview of the losd monitoring program is given in
referezice 1.

In 1992, the onc channel version of the lvad monitoring
recorder has been replaced by a more modern four channel
version of the system, which has beecn manufactured in
Switzerland by Spectralab, see figure 1.

The ncw system has the advantages of more memory
capacity, a higher resolution and a resl clock. The additional
channels in the new system are used for recording loadfactor,
altitude and airspecd. The signsls for altitude and airspeed
are taken from the dats bus in the aircraft. Scfar, the signal
for the loadfactor has been provided by an aduitional
acceleratior sensor on top of the instrumcntation package.
These additional three signals sre needed for a recalculation
of the fatigue damage of a flight which will be discussed later
on.

The Spectrapot Data Collector performs a dais compression
during flight by searching for peaks and troughs in the signal
of the strain gage bridge. This bridge is located on one of the
major load carrying bulkheads in the airframe and therefore a
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good measure of the fatiguc loading of the wing and the
centre section uf the fusclage.

At the moment of occurrence of a peak or a trough, also the
values in the signsl of the loadfactor, airspeed and altitude
are recorded. This is a result of the so called master/slave
recording meihod. In figure 2 the data flow in th: RMLAF F-
16 loa<l menitoring program is giver.

In the last yezers also the number of aircraft with "provesions
for™ has been increasag ivum § ta 7 per squadron.
Discussions are being hcld, to further invi¢ase the number of
sircraft  with “provisions for" and th: number of
instrumentation packages per squadron.

4. INDIVIDUAL AYXPLANE TRACKING

As mentioned before, ths ivad monitoring program itself is
only carried out on a sample of the ficet. For the RNLAF it
was found that there is no need for a flect wide installation,
pecause in general the aircrafl are uscd randomly in a
squadron by all pilots and for all mission types.

In this sct up it is essential that long term “non standard”
operation of an aircraft is monitored separately. Over the last
years there is an increasc of this kind of operation, mostly
outside the Neciherlands. Examples are the low altitude
operation in Goose Bay, Canada, the pilot training in Tucson,
USA and the "Deny flight” operation from Viila Franca,
Italy. Also “special {lying” in exercises like "Red Flag™ and
during "Air Display” flights has been recorded. In the load
monitoring program, these "nen standard” squadron flights
are being handled as special mission types for the RNLAF.

“Individual Airplane Tracking” can be done by a combination
of recording in a sample of the fleet and by a usage
monitoring "on paper” for the total flect, sce reference 2.
From the measurements and debnicfing forms in the load
monitoring program the faligue damage per mission type per
squadron and per time period becomes available. The fatigue
damage is expressed in the so called "Crack Scverity Index”™,
which is explained in more detail in reference 3.

The individual mission mixture per tail number in a squadron
is known from a centralized maintcnance data base system,
CAMS. In this data base¢ system information like mission
code, squadron, flight duration and take off store
coufiguration is stored for each F-16 flight made by the
RNLAF. Each monih the data are scnt to NLR by means of a
modem connection with the air force.

For individual airplanc tracking, the scverity of flying per
mission typc per squadron has lo be combined with the
mission mixture of an individual aircraft. In this way the
fatigue damage or CSI value per tail numher is calculated for
a given time period.

5. FATIGUE MANAGEMENT

For the air staff of the RNLAF, management of the load
monitoring program itsclf is carricd out by NLR. In the
sample program it is csscntial that a sufficicnt numher off
flights for each mission typc are recorded for cach half year
and for each squadron. It is the task of the squadrons to fill
in the associated dehricfing forms and also to change the
Spectrapot cquipment into another aircraft with "provisions
for" in case of long tern maintcnance of cn aircraft. There is
a continuous cffort from the air staff and NLR personal to
increase the number of recorded flights.

The results of the fatigue damage calculation per tail number
are presented six times per year to the air staff of the

RNLAF. Of course, it is possible to provige the information
more often. However, for mankgement purposcs a two
monthly interval seems to be sufficient.

Thu results are given in "standard” tables, which together
give an overview of the fatigue damage cxperience of the
fleet.

In the first place, a comparison is being made between the
flown wmission mixture of a squadron in the last two month
and the lsst three years, with the assumptions made for the
FSMP. From figure 3 #t is clear that in actual operation large
differences occur.

With respect to the take off store configuration, per squadron
a comparison is being made between the actually flown take
off store configurations and the "most preferable take off
store configurations” as defined by the RNLAF.

In figure 4 the variation of the CSl value over de total life of
cach aircraft is given. For cach aircrafl the history is known
in terms of flight hours flown in each squadron. Since 1985
also the individual mission mixture flown in each squadron is
availahle. In this way a cumulative damage or CSI value over
the whole life of the aircraft is calculated.

From figure 4 it is clear that there is a reed for mission
mixture management per aircrafl within a  squadron. Of
coursc, the information can be presented per squadron and
per air base. An examplc is given in figurc 5.

The air staff uses all this information to supply the air bases
and squadrons with their own fatigue damage results. Sudden
changes in the expericnced fatigue damage are raising
questions and do initiate additional investigations into the
causc of the increase of the fatiguc damage expericnce.

6. CRACK SEVERITY INDEX CONCEPT (CSI)

An important "tool” in the caiculation of the fatiguc damage
of a flight is the so called "Crack Scverity Index”™ concept,
which has been developed by NLR some years ago. In
reference 3 more detailed information is given about the CS1
development and the specimen tests which have been carried
out for validation of the concept.

The CSI value is used for quantification of the fatigue
damage of recorded stress spectra in terms of crack growth
potential. The concept is based on modem concepts with
regard to crack growth prediction, including crack closure
and associated crack growth retardation. An imporant
quantity is the minimum crack opening stress. This opening
stress is & function of the maximum and the minimum stress
in the spectrum under consideration. It is important to realize
that the calculated CSI valuc is a relative damage figure for a
specific location and loading spectrum.

In the F-16 load monitoiing program of the RNLAF, ihe CS1
concept has been applicd to the location of the strain gage
bridge used in the program. As a reference, a batch of 488
RNLAF F-16 {lights recorded in 1985, have been taken

As mentioned before, the minimum crawk opening stress is of
major importance for taking into account the interaction
cffect caused by the large load cycles. It is based on the load
cycle which occurs once in thirty flights.

In the reports to the air staff a distinction has been made
hetween the so called normalized CS1 or nCSI aud spectrum
CSI or sCSI. The nCSl is based on the minimuin crack
openiny stress of the reference bateh of flights flown in 1985.
In the case of the sCSl, the crack opening stress is calculated
for all the flights flown in the last half year by a squadron.
The resulting crack opening stress is used for calculating the
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scverity per flight and per mission type. In this way load
interaction effects b mission types arc taken into
sccount. In figurc 6 an cxample is given of the importance of
such an approach. For example, a 50/50 percent mixture of
scvere ACT and RANGE lights has a combincd fatigue
damage per hour of about half that of the ACT mission type
alonc. This effect is caused by the high crack opening level
resulting from the ACT mission type. As a result, the large
number of load cycles in the RANGE mission type hardly
contribute to the erack growth. See also figure 7.

7. DECREASE OF FATIGUE DAMAGE
CONSUMPTION

As mentioned before, a number of squadrons are operating
more severely with its F-16 aircraft than has been assumed
for the Fleet Structural Maintenance Plan. It may be added
that in comparison with other air forces the RNLAF also is
flying more severe. In terms of maintenance this means that
more fatigue cracks are found during inspections and that
there is more additional downtime of the aircraft.

In order to reduce the fatigue experience of the RNLAF F-16
fleet, a working group has been established. First priority has
the reduction of the fatigue damage to the one assumed for
the FSMP. This means that the trend of an increasing load
experience over the last years has to be reversed.

For the RNLAF it is important that the operational training
vilue for the pilots will not be reduced. This means that
reducing the loadfactor load expericnee is not the first choice.

In the last year, most work has been done en reducing the
"stress per G relation”, mostly by making use uf more
favourable take off store configurations. This work will be
described in chapter 7.2. First, however, the effect of
recucing the maximum allowable loadfactor will be
discussed.

7.1 Limitation of maximum loadfactor

One of the "standard” answers to the question of how to
reduce the fatigue damage experience, is a limitation of the
maximum allowable loadfactor during operation of the
aircraft. From chapter 6 it may already be clear that one has
to be very carcful if the large load cycies within a load
spectrum are being changed. This, because of the large
influence of those cycles on the crack opening stress level.
Instead of increasing the crack growth life of the structure,
the result may be a shorter crack growth life. Specimen tests
have been carried out by NLR making usc of recorded load
sequences during normal operational fighis. 1n figure 8 the
results are shown. By reducing the maximum allowable
loadfactor from 9 G to about 8 G, it was found that the
“truncated” load sequencc was about 25 percent more scvere.

In figure 9 the results are shown of an analysis of the
influence of the maximum allowable loadfactor on the crack
growth life of the refercnce batch of 488 flights. By reducing
the maximum allowable loadfactor, the fatigue damage of the
I»ad scquence increases to a maximum at a2 maximum
allowable loadfactor of about 5.5 G. For a lower maximum
loadfactor the damage decreascs, but it is only at about 4 G
that the onginal damage is reached again! It is clear that this
is not the right way to go.

7.2 Reducing the "stress per " relation
Most atiention has been given to the rcduction of the crack
growth damage by manipulating the take off store
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configuration. The stress per G ratio is very variable as a
result of changing aircrat mass by buming fuel and mass
distribution, which means store and fuel location.

Of course, there are more parameters influencing the stress
per G relaticn. For example Mach number and roll speed. In
figure 10 the variation of stress per G is shown in a batch of
about 250 recorded flights. For the same loadfactor, a large
variation of stress can be seen. It has te be mentioned here,
that the stress is taken at the location of the strain gage
bridge used in the load moni.oring program.

Figure 11 gives an example of the stress per G variation
during a flight with an external centreline fuel tank. During
flight, the fuel in this tank is the first to be used. Next, the
fuel in he internal wing tanks are burned and the remaining
part of the flight is flown on furl from the iatemal fuselage
tanks.

During the first part of the flight the stress per G relation is
not changing so much, there after the ratio is decrcasing
slowly as a result of buming fuel from the intemal fuselage
fuel tanks. The more or Icss constan! stiess per G in the first
part of the flight is caused by 2 little decrcase of the stress
per G from the external centrcline tank followed by the
counteracting effect of burning fuel fromn the internal wing
fuel tanks.

Most atteation in the projeet sofar has been given to the
reduction of the stress per G relation by changing the take off
store configuration. For this reason, NLR dcveloped a
computer program for calculating loads in a few sections of
the wing. The formulae used have been received from
Lockheed, the former General Dynamics.

The formula for calculating the stress at the location of the
strain gage bridge used in the load monitoring program, has
the following form:

Stress (at Iocation of strain gage bridge) =

CI * shear force (in wing root)
+ C2 * bending moment -
+ €3 * torsion moment "o

Each of these scctioral Ioads is a function of loadfactor,
mass, Mach number, angle of attack , roll and yaw
velocity/sceeleration, etc. This computer program has heen
used as a2 "tool” for comparing different take off store
configurations.

In figure 12 an example is given. For a large number of
“points in the sky”, which are combinations of airspeed,
altitude and fuel quantity, the stress is calculated for two
different take off store configurations. Clearly visible for all
“points in the sky" is the favourable effect from the additional
cxternal stores. From this investigation "most favourable take
off store configuration:™ have been selceted for the most
important mission types.

Although the “point 1n the sky” calculation did promise some
improvement, it still was a qucstion how much of this would
happen under actual operational coaditions. 1n order to
investigate this, the computer program for calculating the
“points in the sky™ was extended in order to recalculate
actually recorded load sequences.

From the load monitoring program the scquence of peaks and
troughs in the strain gage signal of a flight is availablc. At
cach peak and trough also airspecd, altitudc, mass and mass
distribution are known

A few assumptions have to be made. In the first place the
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amount of stress resulting from asymmetric manocuvring is
kept the same. Also the flight duration is taken as a constant.
In principle it is also possible with the computer program to
recalculate a flight “with limitations on airspeed, altitude
and,or loadfactor.

For the resulting new loa< sequences, the fatigue damage is
calculated using the CSI method. In figure 13 results arc
given of a recalculation for a batch of ACT flights. In this
example only extemnal stores are replaced. The external tank
configurations arc kept the same. The favourable cffects are
clearly visible. Based on these results, "most preferable take
off store configurations™ have becn selected.

As a begin, the RNLAF has decided io fly as muci as

8. CONCLUDING REMARKS

- An overview has been presented of the load monitoring of
the F-16 fleet of the RNLAF. By making usc of a

ion of a pl ing program and the

information stored in a centralised data base, fatigue
experience per individual tailnumber becomes available.

- A description has been given of the "tools” which are

present for detsiled calculation of the fatigue damage of a

flight and the recalculation of a flight for another take off

store configuration.

More rescarch is needed to investigate the possihilitics of a

further reduction of the fatigne scverity of operational

usage. For example effects of Mach aumber and time of

p with four
wing stations.
Mere investigations are planncd for the near future. The
cficct of Mach numbzr and the time at which manoeuvring
takes place will be studied in more detail.

In the end, the favourable effects of changes in the take off
store configuration usage should be scen in the results of the
load monitoring program.

From the recorded flights, which are stored in the data base,
it can alrcady be scen that use of a more favourable take off
store configuration gives indecd a lower nCSl value. An
example is given in figure 14.

ibl iles or dummy missiles at the outboard

vring in a flight.

N
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Fig 1 Spectrapot-4C data collector
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AN OVERVIEW OF THE F-16 SERVICE LIFE APPROACH
by
J.W. Morrow and G.T.Herrick

Lockheed Fort Worth Company
Mail Zone 2846
P O Box 748
Fort Worth
Texas 76101
United States

This Paper was not available at the time of printing, but included is the authors’ material used at the presentation during the
AGARD Workshop held in Bordeaux.

Introduction to F-16 Airframe

The F-16 Airframe Has Been Designed According to the Latest USAF Philosophy which
was Adopted in the 1970s

It has a Modular Structural Arrangement ard Maximum Use Has Been Made of
Aluminum

It is the First Aircraft Designed for Fracture Requirements in Mind, from its Inception

It is the First Aircraft Designed to Withstand 9.0g Loads and it is Certified to 8,000
Service Hours

It Has Completed Flight-By-Flight Durability and Damage Tolerance Test Programs with
No Catastrophic Failures

Fracture Control Program Has Been Implemented for Designated Critical Parts

Force Management Program in Place to Monitor Crack Growth and Enable the USAF to
Maintain Operational Readiness

Capability Additions Have Grown Basic Flight Design Gross Weight from 22,500 Pounds
{1975) to 28,750 Pounds (1992)

Maneuverability and Pilot Comfort Features Have Contributed to Significant Increase in
Maneuver Activity Levels by All Users

Vu-Graph 1

Presented at an AGARD Meeting on An Assessment of Fatigue Pamage and € rack Cooale Predu non Techaigues.,
September 1993
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F-16 Requirements for Airframe Structural
Durability and Safety

* MIL-A-1530A - Aircraft Structural Integrity Program (ASIP) b
- Defines Overall Requirements to Achieve Structural Integrity

* MIL-A-8866B - Airplane Durability Requirements ®

— ldentifies Durability Design Requirements Applicable
to Airplane Structure

¢ MIL-A-83444 - Airplane Damage Tolerance Requirements

- Identifies Damage Tolerance Design Requirements Applicable
to Airplane Safety of Flight Structure °

¢ MiIL-A-8867B - Airplane Strength and Rigidity Ground Tests
- Identifies Ground Tests Required for Substantiation
of Aircraft Structural Integrity

| As Interpreted by F-16 Structural Design Criteria Documentg

Vu-Graph 2 ¢ e

F-16 Design Approach

* "Safe Life" Approach Abandoned by USAF
- Does Not Account for Initial Flaw
— Poor Correlation Between Test and Service

¢ Safety and Durability Requirements Decoupled

* Safety - Damage Tolerant Design
- Fall-Safe
- Slow Crack Growth
— Fracture Mechanics

* Durability - Designed Such That:
— Economic Life > Required Design Life
- Time to Functional Impairment > Required Design Life

¢ Pesulted In:
- Use of Tougher Matenais
- Lower Operating Stresses
— Impraved NDI Procedures
- More Realistic Testing

Vu-Graph 2
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Test Policy Comparisons

Pre 1969/70

Block

Production Aircratt

F-16 Policy

« Flight by Flight (F x F)

Test Spectrum |

Selection of
Test Article

- Earty ROTAE Aircratt

« FSD Requirements Are:
- One Litetime Pric* to Prod.

No Policy I Test Schedute | Go-Ahead, Two Litetimes (Or
Economic Lite) Prior to First
Production Dzlivery
_— « Two Litetimes (Or Economic Life) Durability
4 Litetimes Erest Duration | - Two Lifetimes (With Pretlaws) Damage
_ Tolerance Plus Residual Strength Loading
Post Test + Teardown Inspeclion
Bz B Inspection - Fractography
+ « Final Analysis Using Test Results
4 ';!::"L‘.”Fri';:",‘:“' Acé:aim:r;ce « Economic Lite > Design Lite
9 2 « Meets Damage Tolerance Reqmts
Vu-Graph 6

Fatigue and Fracture Control Plan

Post-Failure
Analyses

Material Review
Board Activity

Nondestructive
Inspection

Design
Requirements

Material Selection
& Testing

Critical Parts List
& Critical Part
Specifications

Fatigue and
Fracturz
Control Plan

Fracture Mechariics
Analysis

Manufacturing
& Quality Control

Vu-Graph 7
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F-16 Fleet Management Recording Systems

* Crash Survivable Flight Data Recorder (CSFDR)
— Signal Acquisition Unit (SAU) on Every Airplane
— Crash Survivable Memory Unit (CSMU) on Every Airp'ane
— Performs Onboard Data Compression and Data Storage
« Type 1 - Data fer Mishap Investigation Analysis
— Last 15 Minutes or More of Flight Data
- Up to 5 Special Events
- Baseline Data at Liftoff
- Data Extracted as Required
- Type 2 - Data for individual Airplane Structural Tracking
- A Nz W Exceedances and Other Usage Information
- Data Extracted at 75 and 150 Hour Phased Inspections

« Type 3 - Data for Structural Loads and Service Life Analysis

- Retains Data for Last 7 to 10 Flights
- Data Extracted at 75 and 150 Hour Phased Inspections

« Type 4 - Data for Engine Usage Analysis
- Retains Data for Last 7 to 10 Flights
- Data Extracted at 75 and 150 Hour Phased inspections

ad

* Standard Flight Data Recorder (SFDR)

- Baselined Off of CSFDR
- Replaces 28002 Microprocessor with MIL-STD-1750

Vu-Graph 9
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Lessons Learned Summary

1. Assume Realistic Effectiveness for Removable Panels and Covers

2. Insufficient Edge Distance a Recurring Design Detail Problem with
Today's Compact Fighter Designs

3. Do Not Ignore Effects of Residual Stress for Structure Loaded
Primarily in Compression

4. Keep Load Paths Straight. Eliminate Section Changes. Both e
Frequently Ignored

5. Design Connectors for Systems Routing to Provide Adequate Edge
Distance for Satellite Holes (2 to 3D). Position Satellite Holes Out
of Maximum Tension Stress Field. Locate Routing Holes in Low d
Stress Areas. Use Single Large Routing Hole Instead of Multiple Holes

6. Hard to Inspect/Difficult to Replace Structure Should Be Designed
with an "Upper Bound" Usage Spectrum » O

7. Program Memorandums Must Be Used to Establish Design Criteria/
Guidelines for Service Life Just as They Are for Static Strength

8. Fine Grid FEM Stress Analysis Is Required to Accurately Predict
Stress Equations for Service Life Analysis in Areas of Complex
Load Sharing and Areas Having Stress Gradients

9. Use of Extruded Shapes and Forged Shapes in Primary Structure °
Should Be Fully Investigated with Respect to Fracture Properties

10. Material Properties Testing and Development Testing Must Be
Accomplished Early in the Design Process

11. Use of Generalized Allowable Stresses Okay for Design with Light
to Moderate Usage. Overrated for Tough Requirements. Detail
Allowable Curves or Detail Analysis Required

12. Full Scale Testing Must Be Scheduled to at Least Be Concurrent with e
Final Design Release

13. Still Difficult to Out Guess Weight and Usage Changes as
Systems Mature

Vu-Graph 10




Exceedances Per 1000 Hours

Still A Challenge - Combined Impact of Weight

and Maneuver Activity

Peak Load Exceedance Comparison
Fuselage Station 373.8 Bending Moment

1000 F-16 A/B 16BIK Design Loads Specirum 0
F-16 A/B Baseline Operational Loads Spec 070986 —— - —— x
F-16 C/D W/F110 BI Oper Lds 03/11/86 ~ ~<~s~nsns o
i |t | | F-16 C/DBlock 40 5% A-A W/F110-GE-120 11/01/88 — — ——a
ot R W | |
= 3 I-ZM-J:-‘-JT-FT ey O
|
10000} ] /1/ \
| A |
ittt b IT'V" -
,/ R gl 7 ! ' o i
- e 1: 1 AB Des:&n:
/' 1.- { gg 200‘\ fUI.::Gquwh Tip AIM 945}
% A A 200% AG, 24 5% Gen
100 BT G, / | Ongnal Design ’
/ _'l Ac'uaf 527 Limd
7 . || X Block 10:
’ & A | ! 23470 BFOGW (With Tip AIM Bé'sl
L A 32.0% A/A. 45 8% MG, 22 2% Gen
10 f‘ ]?_ = 1 Based on FLR Data
" — 548 L mit
/ . =y 0 Block 30:
<’ [ Design Usage | 26810 BFDIGW (With Tip AR 9L )
1 |-Increased GW{—f{——4———}— 21 6% WA 57 7% NG, 14 7% Gen
| | BasedonfLR Data
| 1 631 Limit
H | & Block 40:
| | 28500 BF DGW (With Tip AMRAAM's)
01 - 54 5% A/A, 31 5% A/G, 14 0% Gen
65 60 55 -50 -45 -40 -35 -30| BasedonflRData

7001 mn

Load Threshold Level (In-Lbs X 10E-6)
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