SMC-TR-94-25 AEROSPACE REPORT NO.
TR-93(3530)-3

D-A278 629 ‘

An Efficient, Intelligent Solution for
Viscous Flows Inside Solid Rocket Motors

November 1993

Prepared by

I-SHIH CHANG

Engineering and Technology Group
Prepared for

SPACE AND MISSILE SYSTEMS CENTER
AIR FORCE MATERIEL COMMAND C
2430 E. El Segundo Boulevard D

Los Angeles Air Force Base, CA 90245 SR ELECTE
APR2 6.19%4

DIIC Gheldid LI UOTED B

Programs Group

Approved for Public Release; Distribution Unlimited

AP 94-12673
\M\M\WMM

THE AEROSPACE
CORPORATION

904 4 25 085




]

This report was submitted by The Aerospace Corporation, El Segundo, CA 90245-4691, under
Contract No. F04701-88-C-0089 with the Space and Missile Systems Center, P. O. Box 92960, Los
Angeles, CA 90009-2960. It was reviewed and approved for The Aerospace Corporation by J. D.
Gilchrist, General Manager, Vehicle and Control Systems Division, Engineering and Technology
Group, and J. F. Willacker, General Manager, Titan Launch Systems, Space Launch Operations,
Programs Group. The project officer was Lt. Col. D. Van Mullem.

This report has been reviewed by the Public Affairs Office (PAS) and is releasable to the Na-
tional Technical Information Service (NTIS). At NTIS, it will be available to the general pub-
lic, including foreign nationals.

This technical report has been reviewed and is approved for publication. Publication of this
report does not constitute Air Force approval of the report’s findings or conclusions. It is
published only for the exchange and stimulation of ideas.

epliat L2 Wil




REPORT DOCUMENTATION PAGE Form Approved

OMB No. 0704-0188

Public reporting burden for this collaction of information is sstimated to average 1 hour per response, including the time 1or reviewing instruction: ng existing data sources, gathering and

maintaining the data needed, and compieting and reviewing the collection of information. smmmummmmnmumymmdmwwmdm
including suggestions for reducing this burden, nwmummomummwmnm 1215 Jelterson Davis Highway, Suite 1204, Artington, VA
mmommum Budget, Paperwork Reduction Project (0704-0188), Washington, DC 20503,

1. AGENCY USE ONLY (Leave biank) 2. REPORT DATE 3. REPORT TYPE AND DATES COVERED
November 1993 TR/Jan. 1990 to Jan. 1991

4. TITLE AND SUBTITLE 5. FUNDING NUMBERS

An Efficient, Intelligent Solution for Viscous Flows Inside Solid Rocket Motors
e aumoRS)
I-Shih Chang
{S) AND ADDRESS(ES) 3. PER NIZATI
REPORT NUMEBER

The Aerospace Corporation
2350 E. El Segundo Blvd. TR-93(3530)-3
El Segundo, CA 90245-4691

9. SPONSORING/MONITORING AGENCY NAME(S) AND ADDRESS(ES) 10. SPONSORING/MONITORING
Space and Missile Systems Center AGENCY REPORT NUMBER
Air Force Materiel Command
2430 E. El Segundo Bivd. SMC-TR-94-25
Los Angeles Air Force Base, CA 90245

11. SUPPLEMENTARY NOTES

12a. DISTRIBUTIONAVAILABILITY STATEMENT 12b. DISTRIBUTION CODE

Approved for public release; distribution unlimited

13. ABSTRACT (Maximum 200 words)

An efficient, intelligent method has been developed for the solution of axisymmetric, compressible viscous flows inside
solid rocket motors. The method applies an adaptive, unstructured, finite-element mesh generation technique and a cell-
centered, second-order, flux correction transport scheme for the solution of Navier-Stokes equations. With known, initial
motor interior configuration, the method developed in this study allows the computational boundaries to be determined
intelligently, the finite-element meshes and remeshes to be generated efficiently, and the corresponding compressible
viscous flow fields to be produced expeditiously. Very good agreement between analysis results and test data is obtained
for flow inside the Jet Propulsion Laboratory nozzle. Application of the method to analyze flows inside the Titan IV solid
rocket motor upgrade and the Star-48 motor with very complicated chamber and nozzle geometry is illustrated.

(W]
&

ey #m v e P
DUIC Quivary w . ul.

4. SUBJECT TERMS _ ] i 15. NUMBER OF PAGES
Viscous Flow, Solid Rocket Motor, Finite-Element Analysis 31
16. PRICE CODE
17. SECURITY CLASSIFICATION | 18. SECURITY CLASSIFICATION | 19, SECURITY CLASSIFICATION 20. LIMITATION OF ABSTRACT
OF REPORT OF THIS PAGE OF ABSTRACT
Unclassified Unclassified Unclassified Unlimited
NSN 7540-01-280-5500 Standard Form 288 (Rev. 2-89)

Prescribed by ANS| Std. 239-18
298-102




INTRODUCTION ...ttt iieia it ianreeennans
FORMULATION ... . i iiiiiiiiiiiiiiiiiiiniiieiiinnnneeeannns

-------------------------------------------

THEJPLNOZZIE ...... ..ottt ittt e i iiine e,
THETITANIVSRMU .. ..o it

-------------------------------------------

L6003 (4 518 13 (6 ),

L

2.

3. SOLUTION METHOD
4,

S.

6. THE STAR-48 MOTOR
7.

REFERENCES

i

------------------------------------------------------

11
15
23
29
31

seaession For

Dist

h!

i  Availsbility Qoﬁes

. NTI$ GQRARIL x
DTIC TAB o«
Unaanowaced -0
Justificatlon s
By
Distributionfige:

\Avail and/or
Special

I

4

£







N N N N pd et pd et d el el e fed e
W NP S © ® 39 0k WP = O

o ® NN A LN

JPL Nozzle Meshes ........

---------------------------------------

JPL Nozzle Pressure and Mach Number ..............ccoiiviivenn...

JPL Nozzle Throat Region ..

ooooooooooooooooooooooooooooooooooooooo

JPL Nozzle Pressure Distribution .. ...........ooiiiiiiiiiinieneennn..
JPL Nozzle Mach Number Distribution .. .............................
JPL Nozzle Wall HeatingRate ...............ccciiiiiiiiiiiinnnnnnn.
Titan IVSRMU Baseline Design ............cciiiiiiiiiienenanennnn.
SRMU Chamber Pressure History ..........cooviiiiiiiennreneaennenns
SRMU Nozzle, Motor Case, and Propellant ...........................

SRMU Meshes ............
. SRMUPressureand Mach Number ...........ciitiiiiiiiienennennnn.
SRMU Nozzle Region . .....

ooooooooooooooooooooooooooooooooooooooo

ooooooooooooooooooooooooooooooooooooooo

SRMU Mach Number Distribution ..........covevevirenrenennnnnnnns

SRMU Pressure Distribution

---------------------------------------

SRMU Nozzle Pressure Distribution ..........cc.iitiirinreernncennnns
SRMU Exit Cone Pressure Distribution ...........c.ccoiviiirinnnnnnnn.

Star-48 Motor Assembly ....
. Star-48 Chamber Pressure History ..........ccciiiiiniinninnnnnnnnn.

Star-48 Motor Configuration

. Star-48 Pressure Distribution

---------------------------------------

ooooooooooooooooooooooooooooooooooooooo

. Star-48 Meshes and Mach Numberat0sec........cccoiiiiiirenninennn.
. Star-48 Meshes and Mach Number at80sec.........cccoviieirinennnn.
. Star-48 Mach Number Distribution ...........ccotiitiiieirnneennnns

ooooooooooooooooooooooooooooooooooooooo

11
12
12
13
13
14
15
16
16
18
18
19
19
20
20
21
24
24
25
25
26
26
27







1. INTRODUCTION

In many instances, the engineering staff is requested by program planning personnel to
provide answers to a certain design question regarding a launch vehicle, which is in the
development/qualification stage, or to abnormal behavior of a vehicle in flight. Often, a
quick response is important, in nrder that pertinent decisions can be made which have major
impact on cost and scheduling of a program. This kind of request is common in the area
concerning flows inside solid rocket motors. Existing techniques for motor internal flow
analysis usually require time-consuming and extensive labor for geometry modeling and
flow-field solution and cannot provide analysis results in an expeditious, satisfactory manner.

In this study, an efficient, intelligent method for the solution of compressible viscous flows
inside solid rocket motors is developed to provide timely analysis support of launch vehicle
design, qualification, and flight hardware evaluation for the Air Force Space and Missile
Systems Center. The method applies an adaptive, unstructured, finite-element mesh
generation technique and a cell-centered, second-order, flux correction transport scheme for
the solution of Navier-Stokes equations, which include every term in the viscous stress tensor.
The method, originally developed at the University of Wales, Swansea, England (Ref. 1), and
NASA Langley Research Center and contractors (Refs. 2 and 3) for the study of a plane
two-dimensional, supersonic flow over a circular cylinder, is extended and streamlined to the
solution of axisymmetric flows inside solid rocket motors of arbitrary configuration with a
nonuniform inlet boundary condition.

With known, initial motor interior configuration, the program developed in this study
allows the computational boundaries—including propellant burn-backs, ablated motor case
insulation, and eroded nozzle-exit cone surface at any time slices after ignition—to be
determined intelligently. The basic meshes and corresponding compressible viscous flow
fields then are generated for the specified computational boundaries. Based on the results of
flow analyses on the basic meshes, the element sizes are refined in high-gradient regions and
unrefined in low-gradient regions. The remeshes, thus obtained, are appropriate for
cost-effective production flow-field runs. The process of calculation is fully automated,
resulting in smooth flow in transmitting computational results from one module to another.

The advantages of using the present method are as follows:

» Easy implementation of an exact design configuration

e Optimum use of computational resources

e High resolution analysis results for minimum cost
 Elimination of elapsed time through an automated procedure
¢ Same procedure for any complicated configuration

* Same mesh generation program for different applications, such as thermal and
structural analyses

 Significant reduction in effort required for a complete solid rocket motor internal
flow-field solution

It can be said that because of its flexibility and versatility in treating complicated geometry
in multidimensional space, the adaptive, unstructured finite-element method for the solution
of Navier-Stokes equations will be the main computational technique for flow analysis in the
coming decade. In the following sections, the formulation and the solution method will be
discussed. Application of the method to the solution of axisymmetric compressible viscous
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flows inside the Jet Propulsion Laboratory (JPL) nozzle, the Titan IV solid rocket motor
upgrade (SRMU) nozzle, and the Star-48 motor with a very complicated chamber and nozzle
geometry will be illustrated.




2. FORMULATION

The Naviéer-Stokes equations in cylindrical coordinates for a plane two-dimensional or an
axisymmetric space are:
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Sutherland’s theory of viscusity for air is

4 _[(1\° 1+
where Ty = 492°R, §; = 199°R, and p, = 2.4865 x 10°9 lbs - sec/in.2,

The power law for viscosity of combustion gas is
s _ (1)
brf \ Trs

where A = constant for a combustion gas.

Multiplied by a differential area (27r)® drdx, and integrated over an element, with the
application of divergence theorem on the first two terms of the right-hand side, Eq. (1)
becomes

AD 1 )
~ = Q’QIE,;‘ds+r—eFe @)
r
where
Q. = area of element
I = radial coordinate of element centroid
I' = boundary of element
E, = fluxnormal to the boundary of element
e = subscript indicates flow variable at element centroid




3. SOLUTION METHOD

Notice thatin Eq. (2), 8 = 0 is for a plane two-dimensional configuration, and § = 1is for
an axisymmetric configuration. When governing equations are written in the form shown in
Eq. (2), the second-order, flux correction transport scheme for =nlution of the plane
two-dimensional Navier-Stokes equations, contained in the computer program LARC/NESS
(Langley Adaptive Remeshing Code and Navier-Stokes Solver) and developed in References
1 through 3, can be modified easily and adopted to axisymmetric configurations by including
the terms required for axisymmetry. The detailed solution method based on this scheme is
discussed in Reference 2.

For rocket nozzle flows, the initial condition for this time-dependent scheme is derived
from a one-dimensional isentropic assumption. The exit boundary condition is based on a
simple linear extrapolation, since the flow is assumed to be supersonic at the exit plane, and
the error generated from the extrapolation is not expected to propagate back and affect the
upstream results. There are several different schemes (e.g., Refs. 4 and 5) for implementing
an inlet boundary condition in a time-dependent nozzle flow calculation. The characteristics
formulation shown in Reference 4 and used in Reference 6 provides a fairly smooth subsonic
flow in the physical domain and is applied here in an adaptive, unstructured mesh form, if the
inlet boundary is not on the propellant burning surface. When the inlet boundary lies on the
propellant burning surface, the flow variables on the inlet boundary are determined from
propellant burn-rate, chamber temperature, and pressure.

For a viscous flow, the nozzle wall is a non-slip boundary with a specified wall
temperature. For an inviscid flow, the nozzle wall is a slip boundary with the velocity vector
tangent to the wall surface. For a cell-centered scheme, such as the one used in this study, the
radius of element centroid is always a finite value and never becomes zero. Therefore, no
singularity problem is associated with the calculation of flow variables at the elements
containing the centerline as one of the element boundaries in the present cell-centered
formulation. The flux across the centerline boundary is zero. For other finite-element
methods with a node-centered scheme, Reference 7 provides a technique for resolving the
numerical difficulty encountered at the singular centerline. From numerical
experimentation, it is advisable to use a smaller integration step size in an axisymmetric space
than that in a plane two-dimensional space.

The plane two-dimensional LARC/NESS program (Ref. 2) has been enhanced for an
axisymmetric calculation in this study through the following:

* Developing an auxiliary program for intelligently determining computational
boundaries that include propellant burn-backs, ablated motor case insulation, and
eroded nozzle-exit cone surface at any time slice after ignition

» Streamlining the program to automatically blend a structured mesh in the boundary
layer with an unstructured mesh in the main flow region for any arbitrary geometry

* Employing an isentropic initial guess to start a nozzle flow calculation on an
unstructured mesh

» Implementing procedures for evaluating nonuniform inlet boundary conditions
* Including every term in the governing Eq. (1) for an axisymmetric configuration

* Incorporating a power law, viscosity-temperature relationship for combustion gas,
in addition to Sutherland’s theory of viscosity for air
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e Simplifying the meshing and remeshing procedure through automated data
transmissions between the different computational modules

J Utiﬁzing publication-quality plotting routines for post-processing data displays
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4. THE JPL NOZZLE

The flow inside the JPL axisymmetric convergent-divergent nozzle (Ref. 8) with a 45°
entrance and a 15° exit straight wall tangent to a circular throat (with ratio of throat radius of
curvature to throat height = 0.625) provides a classic comparison for transonic nozzle flow
analysis. The cold flow test was conducted with air at a stagnation pressure of 70 psia and a
stagnation temperature of 540°R.

Figure 1 shows the basic mesh and remesh for the JPL nozzle flow calculation. The
remesh was obtained after 500 integration steps on the basic mesh. There are 20 stretched,
structured elements (with the first element height 104 in.) covering the thickness of the
viscous layer, which envelops the nozzle wall boundary. The total number of elementsis 3298
(1140 structured quadrilateral + 2158 unstructured triangular elements) for the basic mesh
and 2328 (1280 structured quadrilateral + 1048 unstructured triangular elements) for the
remesh.

BASIC MESH

Yar
"A"'AVA:::

Figure 1. JPL Nozzle Meshes

Sutherland’s theory of viscosity for air is employed in the JPL nozzle flow calculation. The
computed dimensionless pressure ratio (P/Po) and Mach number contours are shown in
Figure 2. The pressure contour has a constant increment of 0.025, and the Mach number
contour has a constant increment of 0.1. The flow recompression near the wall downstream
of the throat, which was observed in a cold flow test (Ref. 8), can be seen from the contour
plots. The enlarged view of the remesh and Mach number contours in the throat region is
depicted in Figure 3, where the structured mesh near the wall blending with the unstructured
mesh for the main flow is distinguishable. The calculated boundary layer thickness shown in
Figure 3 is less than that observed in Reference 8, mainly because of the laminar flow

assumption in the present study.
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PRESSURE CONTOUR

MACH NUMBER CONTOUR

Figure 2. JPL Nozzle Pressure and Mach Number
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Figure 3. JPL Nozzle Throat Region
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The computed pressure and Mach number distributions along the wall and centerline are
illustrated in Figures 4 and 5. Shown in the same figures for comparison are nozzle wall
geometry and test data from Reference 8. The computed results agree very well with test data
in the entire subsonic-transonic-supersonic flow regime. This indicates that the boundary
conditions are implemented correctly for the axisymmetric nozzle flow calculation with an
adaptive, unstructured mesh and assures further application of the computer program to
other nozzle configurations. In general, the present viscous analysis results show similar flow
features to those presented in Reference 6. A somewhat better flow resolution is obtained
from the present analysis than that of the inviscid flow analysis of Reference 6 in the
low-speed compression corner area, where the viscous effect prevails.
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Figure 4. JPL Nozzle Pressure Distribution
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No test data are available for comparison with the computed convective heating rate
shown in Figure 6. In the present calculation, the nozzle wall temperature is held constant at
500°R. The analysis indicates that gas pressure stays essentially unchanged until it
approaches the throat. The highest positive (gas to wall) heating rate in Figure 6 is indicative
of high gas energy recovery near the wall at a high contraction ratio location. As flow passes
through the throat, the gas pressure decreases rapidly and the gas temperature falls below the
constant value at the wall, and a negative (wall to gas ) heating rate occurs. The absolute value
of a computed heat exchange between the gas and the nozzle wall for laminar flow has a peak
at the throat, which also is observed from the turbulent flow heating rate measurement
carried out in Reference 9 for a convergent-divergent nozzle flow. The energy equation in
Eq. (2) converges much slower than the continuity and momentum equations. An accurate
heating rate calculation requires many integration steps with very fine structured elements in
a viscous layer. This is an area which needs to be improved in the future.
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Figure 6. JPL Nozzle Wall Heating Rate
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5. THE TITAN IV SRMU

The Air Force Titan IV SRMU (Ref. 10), shown in Figure 7, is being developed to launch
large payloads. Thisis a 126-in. diameter, 112-ft long, three-segment motor with a graphite
epoxy composite case (33,600 Ib lighter than a steel case). The motor is loaded with
688,850 Ib hydroxylterminated polybutadiene (HTPB) propellant (69% ammonium
perchlorate + 19% aluminum + 12% binder) and weighs about 772,750 Ib. The nozzle
throat is made of graphite/phenolic, and the exit cone has a tape-wrapped carbon/phenolic
forward insulator and silica/phenolic aft insulator. The nozzle has a composite elastomer
flexseal with a maximum 6° gimbal. The maximum mass flow rate is 5700 Ib/sec which
produces approximately 1.6 million Ibf thrust for each SRMU during liftoff. The Titan IV
with two SRMUs on each side of the core vehicle is designed to put a 41,000 1b nominal
payload into low earth orbit. There will be five full-scale static motor tests during the
development and qualification phases.

Figure 7. Titan IV SRMU Baseline Design

Ordinarily, a cold flow test would be required to obtain flow-field information for a
thermostructural evaluation of nozzle design adequacy. The cold flow test would cost at least
one-half million dollars and would require a one-year set-up time for a limited number of
propellant burn-backs. The efficient, intelligent method developed in this report for the
solution of viscous flows inside solid rocket motors can generate flow solutions for any
number of propellant burn-backs within a few days.

The expected motor head-end chamber pressure history is given in Figure 8. Figure 9
shows ablated motor case insulation, eroded nozzle, and propellant burn-backs for the Titan
IV SRMU at 0, 25, 50, 75, and 100 sec after ignition. The motor case insulation ablation rate
is 5 mil/sec. The erosion rate varies along nozzle-exit cone stations and is projected to be
10 mil/sec at the throat. The propellant burn-rate is a function of pressure (0.03454¢P%32),
For the SRMU flow-field calculation, the ratio of specific heats is 1.156, the Prandtl number is
0.57, and the power law viscosity-temperature relationship has an exponent A=0.67 and
reference chamber viscosity 1.382¢107° Ibf-sec/in.? at temperature 6364°R.
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Figure 10 shows the basic meshes and remeshes at 0, 50, and 100 sec after ignition. The
remeshes are obtained after 500 integration steps on the basic meshes. There are 5717, 6321,
and 6733 elements for the basic meshes at 0, 50, and 100 sec after ignition. Correspondingly,
there are 4442, 5838, and 5950 elements at 0, 50, and 100 sec for the remeshes. These include
20 stretched, structured elements covering the thickness of viscous layer, which envelops the
nozzle-exit cone wall. Figure 11 shows the computed Mach numbers and dimensionless
pressure ratio (P/Po) contours at 0, 50, and 100 sec after ignition. The enlarged view of the
remeshes and Mach number contours in the nozzle region is depicted in Figure 12. The Mach
number and pressure distributions on the wall and centerline are given in Figures 13 and 14,
respectively. Figures 15 and 16 show the detailed pressure distributions in the nozzle and exit
cone regions.

To cover the entire nozzle and the exit cone pressure field, a nonuniform contour
increment is used in the Titan IV SRMU pressure contour plots. For a pressure ratio greater
than or equal to 0.8, a constant increment of 0.025 is used. For a pressure ratio less than 0.8, a
decreasing factor of 0.9 is applied to each subsequent contour value. This covers the pressure
field better than that using a linear or a logarithmic contour increment. The Mach number
contour, however, can be adequately displayed with a constant increment of 0.1.

The computed ratio of static-to-chamber pressure at the exit plane of the exit cone is 1%
at the wall and 0.6% at the centerline. For a viscous analy-is, the Mach number at the wall is
zero. The “Mw” in Figure 13 representing the gas Mach number at the edge of the boundary
layer is evaluated from an isentropic relation at the local wall pressure. The Mach number at
the exit plane of the exit cone is 3.3 at the wall and 3.5 at the centerline. There are some
differences in the flow field at different times from ignition; these can be observed from the
contour plots and Mach number and pressure distributions. It is interesting to note that the
pressure remains nearly constant at the chamber pressure condition on the backside of the
submerged nozzle and decreases rapidly as gas flows through the throat. This pressure
distribution is important for detailed nozzle thermostructural analysis and nozzle design
adequacy assessment.

17




BASIC MESH REMESH

100 sec ' 100 sec

Figure 10. SRMU Meshes-

MACH NUMBER PRESSURE

0 sec
50 sec 50 sec
100 sec 100 sec

Figure 11. SRMU Pressure and Mach Number

18




REMESH

v

AVAYLY,
)
<

.
!;.",‘S

TEUNLE

’?“if
AYA
\/

»

50 sec

2

D

\/
)

A
I

ALY,
*'llnlﬂim'x¢::3, )

AVAYAYAVANANAVAY
VATAVATAYAVAYAY

VAYAVAY, 7 VAL i3 100 sec
NI AN R

TN

MACH NUMBER

Figure 12. SRMU Nozzle Region

‘ o FETETES B ddadagsat s baaa by o g ool oty
5

20

15
1.0

diaalaaaatlisaafeaaafaceatsaantaans

T
~
wn

0.9

</

g
R (in.)

...Tv......
&

| B o 2 ou iy B SN B B S e B BN EELASL

-50 0 50

o

AJNLEEL B e on o S Bt B M Sn SN SN SR SR SN BAY

100 150 200
X (in.)

Figure 13. SRMU Mach Number Distribution

19

i
e
=

0 sec

50

100

sec

sec




-
b
-
-

| AT U FUTEREE Ir AT AU Ul EPU ST AN SO

[
- 50 ~
[

&
Rw - =
8 -]
- 25
:
L
!
L
vvvvvvvvvvvvvvvvvv Jrrrryrrrreryrreryrerer Ty yy s o

-50 0 50 - 100 150 200
X (in.)

Figure 14, SRMU Pressure Distribution

' S EPUT R BT U OIS o BTN ST OO S O I PRSI L
lo- 1 1 A1 1 1 .55
0.9
0.8 -
0.7
©Q
& ]
[
0.6
0.5
0.4

T T T T e 15
<15  -10 -5 0 5 10 15 20 25 30 as
X (in.)

Figure 15. SRMU Nozzle Pressure Distribution

20

R (in.)




Figure 16. SRMU Exit Cone Pressure Distribution
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6. THE STAR-48 MOTOR

The Star-48 motor (Ref. 11) is an upper-stage motor, which provides the impulse to propel
a spacecraft (up to 2800 Ib) from a low earth orbit into a geosynchronous transfer orbit. The
motor has propellant loading up to 4400 1b. The motor case is made of titanium and is
internally insulated with silica-filled ethylene propylene diene monomer (EPDM). The
nozzle is made of three-directional carbon/carbon, and the exit cone can have either a
two-directional carbon/carbon or a carbon/phenolic liner. The motor assembly and the initial
grain geometry are shown in Figure 17. The chamber pressure history for a low-temperature
(30°F), long-burn (94 sec) firing is given in Figure 18.

For this complicated initial grain and submerged nozzle geometry, the auxiliary program
developed under this study intelligently determines the propellant burn-backs, ablated motor
case insulation, and eroded nozzle-exit cone configurations at any number of time slices.
These configurations, which are shown in Figure 19 at 0, 20, 40, 60, and 80 sec after ignition,
are utilized directly as the computational boundaries for the mesh generation and,
subsequently, for the flow-field solution. The actual ablation and erosion data from the
post-fire measurement of full-scale static motors in a qualification program (Ref. 11) are used
in the auxiliary program for determining the computational boundaries. The propellant
burn-rate is a function of pressure (0.0355¢P%30). For this Star-48 motor, the inlet boundaries
lie on the propellant burning surfaces, and the program automatically provides the inlet flow
conditions at any specified time slice.

Figure 20 depicts the basic mesh, remesh, and computed Mach number contours for the
initial motor configuration. The total number of elements is 6438 for the basic mesh and 3503
for the remesh. These include 10 stretched, structured elements covering the thickness of the
viscous layer, which envelops the nozzle-exit cone wall. Figure 21 gives the same information
at 80 sec into the motor firing. The total number of elements is 8035 for the basic mesh and
4854 for the remesh. For the Star-48 flow-fields calculation, the ratio of specific heats is
1.150, the Prandtl number is 0.57, and the power law viscosity-temperature relationship has
an exponent A=0.67 and reference chamber viscosity 1.382¢108 Ibf-sec/in.2 at temperature
6364°R.

The Mach number and pressure distributions are given in Figures 22 and 23, respectively.
For a viscous analysis, the Mach number at the wall is zero. The “Mw” in Figure 22
representing the gas Mach number at the edge of the boundary layer is evaluated from an
isentropic relation at the local wall pressure. At 0 sec, the Mach number at the exit plane of
the exit cone is 3.91 at the wall and 4.11 at the centerline. The computed ratio of the
static-to-chamber pressure at the exit plane of the exit cone is 0.29% at the wall and 0.14% at
the centerline. At 80 sec, the Mach number at the exit plane of the exit cone is 3.85 at the wall
and 4.01 at the centerline. The computed ratio of static-to-chamber pressure at the exit plane
of the exit cone is 0.34% at the wall and 0.20% at the centerline. At 80 sec after ignition, the
computed pressure and Mach number distributions near the throat are not smooth, which
reflects the effect of the unevenly eroded nozzle wall on the flow behavior in that region. The
change in nozzle surface configuration from 0 to 80 sec affects the Mach number distribution
and pressure load on the wall. On the backside of the submerged nozzle, the pressure remains
essentially constant at the chamber condition.
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Figure 23. Star-48 Pressure Distribution

The purpose of the calculation with the Star-48 motor given here is to illustrate the
capability of the adaptive, unstructured finite-element method for an efficient solution of
viscous compressible flows inside a solid rocket motor with a complicated grain and nozzle
configuration. A coarse mesh has been assigned in the viscous layer to prevent unnecessary
consumption of the computational resource for this demonstrated calculation. Performing
500 integration steps on the basic mesh of 6438 elements takes 19 min on a Cray XMP/18
supercomputer. Performing 500 integration steps on the remesh of 3503 elements takes
11 min on the same computer. Note that remeshing results in a significant reduction in the
total number of elements required to adequately cover the entire physical domain and in the
amount of computation time. A meaningful flow-field solution can be obtained after
approximately 2000 integration steps on the remesh. Since the Star-48 is a spinning rocket
motor, final analysis based on the technique developed in this study requires a fine mesh ina
viscous layer and consideration of the particle-phase subject to radial and axial acceleration
in the flow field.
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7. CONCLUSION

An efficient method has been developed for the solution of axisymmetric compressible
viscous flows inside solid rocket motors of arbitrary geometry. A gas-particle, two-phase
viscous flow analysis, similar to that given in References 6, 12, and 13 for an inviscid flow, will
be the subject of study in the coming months. Further study will be directed toward the
solution of a gas-particle, two-phase viscous flow with radial acceleration (spinning rocket
motor) and axial acceleration (flight motor) body force terms in the governing equations.
Adaptive, unstructured finite-element methods for three-dimensional flow analyses have
been reported in the literature (Refs. 14 and 15). A similar technique for a three-dimensional
canted or gimbaled nozzle with consideration of turbulent flow modeling also is a subject of
future study.
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