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Abstract

Russia has a long tradition of achievement in ramjet research and development. This tradition, and aspirations toward new and
effective products, have led to establish Russian priority in the ramjet field.

This Lecture Series will present and discuss the scientific problems of the development of ramjets/scramjets and turboramjets. ~

Some specific aspects of liquid/solid ramjet development, the concepts of LH2 high efficiency RAM combustors, the results of
full scale turboramjet testing, scramjet or CFD analyses and their ground flight tests will be studied.

This Lecture Series, endorsed by the Propulsion and Energetics Panel of AGARD, has been implemented by the Consultant and
Exchange programme.

Abrége

Il existe en Russie une longue tradition de réalisations dans le domaine de la recherche et le développement des statoréacteurs.
Ces traditions et ces ambitions de produits nouveaux et efficaces ont contribué a I'établissement de la primauté russe dans le
domaine des statoréacteurs.

Ce cycle de conférences présente et expose les problemes scicatifiques posés par le développement des statoréacteurs, des
statoréacteurs a combustion supersonique et des turboréacteurs.

La conférence étudiéra certaines particularités du développement des statoréacteurs liquide/solide, les concepts des chambres
de combustion RAM LH2 a rendement élevé, les résultats des essais des turboréacteurs a grandeur réelle, les statoréacteurs a
combustion supersonique, les analyses a I'aide de I'aérodynamique numérique et les essais au sol,

Ce cycle de conférences est présenté dans le cadre du programme des Consultants et des Echanges, sous I'égide du Panel
AGARD de Propulsion et d'Energétique.
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INTRODUCTION AND OVERVIEW

y
Prof., D.S¢. V.SOSOUNOV
CIAM (Central Institute of Aviition Motors)
2, Aviamotornaya St.
111250 MOSCOW
RUSSIA

SUMMARY OF LECTURE SERIES.

Ramjets, turboranyets and scramjets are
studied very intensively in many advianced
countries as very effective propulsion for missiles
and high velocity plines including aerospice
planes during their acceleration in  the
atmosphere.

All these types of airbreathing engines have
the similar elements: ram ducts. That fact allows
us to unite the discussion on R & D problems of
all these engines in the frame of the Lecture
Series.

Russia has quite  large  experience in
research and development of high velocity
airbreathing engines for unmanned vehicles and
future aero- and  aerospace  planes.  This
experience is connected first of all with ramyets or
combined engines having ramjet duct, and also
with the use of solid. liquid and hydrogen fuels.

The trachtions of ramjet development go
back to prewar period and to the afterwar
aspiration to new achievements which led to well
known Russiin priority in ramjet field. The short
historical overview as well as the survey of the
contemporary state of high speed engines R & D
in Russia are given in this overview lecture.

The following part of Lecture Series s
devoted to discuss the result of R & D of solid
propellant ramrockets, liquid fuel ranyets and
experimental hydrogen rium combustors.

The next lectures are devoted to
turboramjets. The resuits of the large program of
investigation of the features and pzrfornunce of
experimental full scaled turboramjets developed
at CIAM are discussed. The second stage of
aerospiace plane acceleration to Mach number 10
- 12 (and more) many connect now with the use
of scramjet engines, which are studied in the next
two parts of Lecture Series. In the first of them
the features and performances of scramjets and
also the result of their ground and flight tests re
discussed. The last part of Lecture Series is
devoted to Scramjet CFD methods and unalyses
esults review.

NOMENCLATURE

D.d - diameter;

H - altitude:

Hy - mass heat of combustion;

Hy - volumetric heat of combustion:

I -mass specific impulse;

Iy, - volumetric specific impulse;

L - length:

M - mach number;

P - pressure;

T - temperature:

1 - time;

v - flight velocity;

\% - volume;

w - air, gas velocity,
ABBREVIATIONS

ABE - airbreathing engines;

ASP - aerospace plane:

ATR - airturborocket;

DMSCRI - dual mode scramjet;

FD - flying distance;

FVv - flving vehicle:

| - mass specitic impulse;

P - hydrocarbon fuel, kerosene:
Jy - volumetric specific impulse;
LFRJ - liquid fuel ramjet;

LH> - liquid hydrogen;

LR - hquid rocket:

PR - pressure ratio:

PS - propulsion system;

RJ - riimjet engine;

SCRJ - scramjet;

SCRJ-R - scram-rocket engine;
SFC - specific fuel consumption;
SPRR - solid propellant ramrocket;
SR - solid rocket:

SSTO - Single stage to orbit ASP:
TF - turbofan;

TR) - turboramjet engine;

TSTO - Two stage to orbit ASP.
1. INTRODUCTION

It is well know that the use of ram/scramjet
principle permit to broaden the sphere of
airbreathing engines application to the high and
hypersonic flight speeds area especially when
using Hj- fuel (Fig. L.1).

Presented at an AGARD Lecture Series on 'Researcl: and Development of Ram/Scramjets and Turboramjets in Russia, December

1993 to January 1994.
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Ram propulsion can be divided into three
groups which characterized by type of engire,
fuels and application (Fig. 1.2):

1. Ramjets or ramrockets for missiles which
equipped with power boosters. They use liquid
fuels (LFRJ) or solid propellants (SPRR). The
possible Mach number flight range extends from
1.5-210123-45.

1 Combined engines (TRJ. ATR !
others) with ram duct. The gasturbine core engine
of them usually is switching off near the flight
Mach number of 3. The maximum flight Mach
number of ram duct work extends up to 4 - 4,5
by using of kerosene and up to 6 - 7 by using
cryogenic (LHj) fuel which has big cooling
capacity. Their application may be on hypersonic
cruise aircrift or on aerospiace planes for the first
stage of their acceleration.

3. Supersonic combustion ramjets using
LH) have the operating Mach number range
from 5 - 6 (dual mode sub/supersonic
combustion SCRJ: from 3 - 4) up to 10 - 13 and
more if the oxygen boosting i1s used. The
application of such engines may be realized on
hypersonic cruise or aerospiace pliunes. Scramjets
can power hypersonic cruise missiles when using
heavy liquid fiels for instince  endothesmic
hydrocarbon fuels. In such case the FV cooling
problems restrict the maximum value of flight
Mich number on 6 - 7 limit.

The first group of ram propulsion s m
quite wide service or under development on
different missiles, but the second and the third

groups of engines are on different stages of

scientific study, research and development.

Unhlike the aviation gasturbine engines the
use of rium propulsion connects with apphlcation
of different kinds of fuels: from common
kerosene to slush, solid propellants and cryogenic
fuels, such as LHy and CH4. This problem must
be overviewed |12].

Mendeleev Table of chemical  elements
gives us only 7 elements with the mass heat of
combustion Hu > 25 MI/kg (Fig. 1.3). Hydrogen,

beryllium and boron have the most mass heat of

combustion, and boron, beryllium, carbon and
metals: aluminium and magnesium - the most
volumnetnic heat of combustion,

The mass heat of combustion Hu s
preferable for large-size FV and volumetric Hv -
for small-size FV (so called "low-volume"), as by
the geometric similarity the relative vehicle
volume is proportional to the characteristic size:

V ~ D (Fig. 1.4). Here boron is beyond the
concurrence,

The above mentioned elements can be used
as fuels directly either in chemicial compounds or
mechanical mixtures each with other (Fig. 1.5).

For the munned FV it is practically
reasonable to use hydrogen and hydrocarbons s
fuels. In the past (in the 50s) they attempted to
st the borohydrides in the aivcraft bur he
toxicity of these fuels and the viscous boron oxide
formation while burning made attempts unreal.

For small unmanned FV, that is for ramjet
powered missiles, more heavy fuels are suitable
such as heavy and synthetic hydrocarbons, solid
fiiels with metals (Al, Mg) or boron as the
components. It is possible, in principle, to use
the boron as a powder, or as a slush of boron
powder in kerosene, or as a liquid hydrocarbon
chemical compound.

The  above  mentioned  three  ram
propulsion groups are overviewed below,

2. RAM PROPULSION FOR MISSILES

Shoit Historical Review

Ramjet as the simplest type of airbreathing
engine which has fow value of fuel consumption
during the thight in the atmosphere in comparison
with rocket engine long simce attract the attention
of screntists wid enginecets i many countries.

The tirst ranyet adea was offered i France
by Rene Lorm m 1913 |1} In Russir  the biase of
et arbreathimg engime theory was developed
m 1929 by B.S. Stechkin |2], who became
afterwards  famous  scientist  in the  aviation
gasturbine engine field, academician.

The first actions devoted to development of
experimental ramjets began in Russia before the
Wiar 11, At the begining of 30s Professor Yu.A.
Pobedonostsey was testing the ramjets on artillery
projectiles. The first development and  tlight
testing of subsonic rimmyet were done by engineer
. Merkulov i 1939, The engine was attached to
the flying-bed aircraft and ignited in Night,

At the War Il end period the work on
ramjet development was continued, and in 1944
it was been concentrated at special Design
Bureau headed by Chief Designer M.M.
Bondaryuk. M.M. Bondaryuk who had the great
talent as o designer-organmizer and scientist has
created  high  quahfied team, scientific  and
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designer's school, that permitted to develop some
effective  ramjet-systems and  afterwards  to
summarize the rimjet development experience in
some books, one of which, written by MM.
Bondaryuk and S.M. lljushenko, 3] is well
known in the world.

The scientific heritage of M.M. Bondaryuk

is quute broad (Fig. 1.6):

- development of basic ramjet theory, methods
of its calculation and design;

- study of duct gas dynamics:  supersonic
intakes, ram combustors, controlled jet nozzles;

- effective fuel-air mixing, flame stabilization
and combustion;

- research of different energy sources: chemical
and nuclear:

- methodology of ramyets development, ground
and flight testing.

Pre-war outial  activity,  the  Bondaryuk
Design - Bureau  actions,  the activity  of  the
toltowiig Desigin Burcaus, the powerful CHAM,
Tsa¢;p and other institutes scientific support have
ereited e greal Rissi traditions aid - prioeily
in canyets freld.

Later in 60s - ¥0s the developments of
ramyets ramrockets systems were carried out n
several Design Bureaus.

The  basic knowledge on ramyets  and
ramrockets one can lave got from relerences
|1...6].

First. Ramyet Generations

The  description  of  ramjet  nussile
generations given by B. Cnspin |¥] divided the
generations by the grade of propulsion/missile
dart mtegration (Fig. 1.7).

The Tirst generation of nussile has the
ramjet nacelles outside the dart. Russia has not
misstles of such types The secomd generstion of
missiles has integrated ramyet and missile  dart,
but boosters are mounted externally in tandem or
parillel position,

Russian operational surface to air missile of
second generation SA-4 GANEF® using kerosene
ramyet 1s well know [21]. It has circular intake
with long forebody and shorter air duct between
mlet and combustion chamber than the mussile
with tip intake. This layout is better for guidance
system arrangement and maintenance but there
are some troubles by flight on big angles of

* NATO code

1-3

attack, Ramjet of this missile was developed at
Bondaryuk Bureau.

There is not so known another Russian
ramjet missile of the second generation: the
"Burya” Mach 3 class large cruise missile (Fig.
1.8). The cruise misstle was designed for an
intercontinental range and had the total weight of
130-ton class {10]. Two lqud boosters were
installed under missile’s delty wing. The riampet
engine, designed by M.M. Bondaryuk, was
integrated in the fuselage of 19 meters length and
had a tip intake, connected with the combustion
chamber by a long cyhndrical duct. Around the
duct was displaced a ring-shaped kerosene tank.

The ramjet had 3-shock lugh efficient mlet
and subsequent Lainches showed rehable action
of ignition system and efticient fuel burnimg.

The "Burya” cruse nussile  development
began i 1954, and since 1957 were carnied out
miatty laimchies, but Jdespite of suiccesstul ﬂly"ﬂ
tests tlus splendid  project was stopped  afler
siceewstul  Fnch of e Russian RT
intercontinental bathstic nussile.

Despite  of its  cancellation  the "Burya”
project gave the large technology experience
espectally in ramyet tield.

New Generation of Full Integrated Ramjets

The first nussile of the turd generation
which used low volume full integrated ram/rocket
construction  was the Russun  low  altitude
stirface-to-air system ZRK-SD Kub (3M9) well
know as SA-6 "Gamtul” in NATO code [21}.

Shown n the Fig. 1.7 and 1.9 the mussile
SA-6 has an mtegral ram/rocket propulsion. The
solid propellant sert booster gram accelerates
e nussite Tor 4 second 1o a speed of Mach 1.5,
Then after ejection of booster rocket nozzle
imreslle o opopelled by a0 salkd-prope i
ramrocket sustminer, which s fed with ram air
from four inlets installed along the dant. For 22.5
seconds maximum speed is reached, according to
Mach number of 2.8 |21].

Being for the long time in worldwide
service the SA-6 mussile was  developed by the
Toropov Design  Bureau in cooperation  with
TsAG!, CIAM and other organmizations and in the
middle of 60s has gone to mass production [Y].

The SA-6 missile has opened the new stage
of ramjet propulsion development. Now the low
volume integral ram/rockets become more
compatible with rocket propulsion on different
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types of missiles. The SA-6 is now the uique
ram propulsion system using solid propellint
ramrocket type as the sustainer.

The low volume riamjet propulsion of
integral  type is characterized by four main
principles (Fig. 1.10):

1. Full integration of propulsion and flying
vehicle in unit dart. One, two, four intakes are
installed Laterally an the dan.

2. Ram combustor and booster (grain or case
with grain) iare combined.

3. Use of liquid or solid fuels with lugh value of
volumetric heat of combustion.

4. Use of ejection action of sustained sohd
propellant in ramrocket to increase the front area
specific thrust.

As 1t has been shown (see Fig. 1.4) the
SPRR using heavy solid propellants with lugh
volumetnic heat capacity are more stitable for
rather  small  tssiles  needed  more  simple
operation conditions. But the List requirement
may dead to SPRR appliance on much more
bigger vehicles.

The examples of third generation of r-to-
surfuce nussiles with integral hiqud fuel ramypets
are shown in the Fig. 1.11 {9]: Russian Kh-31P,
French  ASMP, both are in  service, and
French/Germamie ANC 1s m development stage.
The solidity of these nussiles construction 1s very
Hpressive.

The common view of Russim Kh-31P
nusstle 15 shown n the Fig. 112, There wis
developed in Russin another bigger anti slup
missile with rocket/ramjet propulsion system: ~o
cilled ASM - MSS, wlueh has ar Linnch and
surfiace kaunch variants [22]. The ASM - MSS as
well as the Kh - 3P propulsion systems were
developed by Soyuz Turaevo Machme Design
Bureau, the successor of the Bondiryuk Design
Bureau.

R&D of Integral Riamyet/Rimrocket Problems

As the itegral ramgets/ramrockets are the
new combined systems, there are many varants
of their construction and many problems of thewr
development and testing.

We will not touch upon an aerodynance
problesss Wil takes paipeeit  pechlities
because it is not the subject of this lecture series.
Many such problems were described in detuls 1
the previous AGARD Lecture Series No 136,
1984. The engine internal processes are of our
main interest.

Some scienufic problems of ntegral sohd
propellant  ramrockets  development  must  be
analyzed, such as: .

- Integration of ram- combustor and booster.
- Energy capabilities of different ramjer sohd
propellants and their apphcation.

- Effectiveness of gasified fuel combustion
ram combustor and fuel supply devices |20].
- Methodology of model and full

ram/rocket systemns ground testing |20].
- Possibilities of ramrocket improving by fuel
flow rate control ... and others.

scatled

Some problems of mtegral liqgmd  fuel
ramyets development must be studied:

- The mtegration of rnyet combustor and sold
rocket booster.

- Duct flow stabibty during the ejection of
booster case.

- Fuel supply devices and
combustion i runjet.

- Ftficient  adaptive  control ot
ditterent trigectones of thght

flectiveness of

ramet  on

The tegral ramyet/riumrochet systems are
one of the most pronusing propulsion tor nusstles
of ditferent type. Longer range, adaptive value of
thrust by flight at different altitudes, bigger mean
tryjectory speed of nusside, that are the mam
advantages given by integral ram propulbsion.

1 PROPULSION
FLIGHT

FOR HIGH VELOCITY

Creatton possibidity - of reusable aerospace
asfeims (two varant) and  ther ABE
propulsion was under antenspe study trom the
begimmng of 605, However only at last yvears the
progress i avition. astronautics,  propulsion,
nuiternals made real the programs of research and
development i this field. The tempting goal to
create m the nest century the aerospace systein
{espectilly sigle stage one) mspired  scientists
and designers e oy countries. The  ASP
projects live been proposed e the USA. the
UK. Germany, Russtir and are developing
some other countries (France, Japan, and other),

sage

New goals gine the power impulse to
research and  Jdevelopment of  combmed  and
ramyet engies tor high supersomc and hypersonic
speed thght. The results of theoretical and
expumpental  esearch of such  iypes enpies
winch  was  conducted m CIAM and  other
orgamzations i Russia at 60 - 90s, are the base
experience for start of new stage of practical
action |11, This experience includes:



- conceptual  theoretical  unestigations  of

aerospace plines and their corabmed propulsion
systems of diftferent type usimg hqund hydrogen;

- the works round directed on developig and
investigation of experimental turboranyets using
hydrocarbon fuels;

- experumental works complex intended to sohve
practical problems of usmg LH, m mrbreathing
engines, such as hydrogen supply and eftective
burning, developing of turbofin engine using

cryogenic fuels: hydrogen and methane, fhights of

experumental "hydrogen” wreraft with this engine;

- the search  of rmtional  scrivmyet  types,
mathematical modeling of processes s ducts.,
model scramyers research on ground test facilities,
the first thght tests of model scrimyets.

Propulsion System Concepts for Acrospice Plane

The CIAM with TsAGI and other aviation
mdustry orgimuzations [ 14| carry out
imvestigations of propulston systems for varous
types of aerospace velucles (Fig. 1.13):

- sigle stage  earth-to-orbit vehicles  (simlar
"NASPY):

- two stage velicles (sumlar “Sanger”),

- two stage velucles torbit plime Lwunch from
subsonic heavy  aureraft). These  velucles  are
mtended tor transport of pavload to near-carth
orbit | 1]

The single stage earth-to-orbit velucle can
be provided with alternative propulsion systems
such as ATR with gas generator of  expander
cveles: turboramyet, turbofunramyet - for  first
phase of acceleration (O < M < 3-6). For greater
Mach numbers (from M = 3.5 t0 M = 12.1))
apphcation  of  serimmjet-rocket 15 assumed,
Further, up to orbit velocities velucle will be
powered by hquid rocket engines.

For the first stage of two stage velncles
such types of engmes as turboramjet  with
through-flow-cycle or combmed turbojet +dual
mode  scramyet can be proposed. The second
stage of TSTO s powered with hquid rocket
engines.

The tirst stage of two-stage vehicle hased
on subsonic rcraft "MRIA" s powered by
turbotan engmes DIST. For second stage hquid
rocket engine are envisaged.

The final choice of PS tor aerospace plane
must be done on base of analysis and
optimization of various concepts and some
practical consideration.

For efficiency analysis of alternative
propulsion system concepts the complex program

I-5

(velucle synthesis and anilysis) was created in
CIAM. This sottwire complex makes 1t possible
the optinization ot followimg components:

- acceleration-chimb trigectory with accomnt to
linitations for dynanue pressure,
serothermodyianne, scceleration loads, et

- operation regimes of engines (tuel/air rato,
rnge of Mach numbersy;

- minn engine cycle parameters;

- engmie and  velucle matelung  parameters
(thrust to total weieht ratio, wing loading, engme
static thrust per unit nlet area, inlet to wing area
ratio)

FThe modern nuthematical methods  of
optimization are used.

Fngme  Types for the  birst Stage of - ASP
Acceleration

The propulsion of ASP on the fiest stage of
acceleration up to M 327 can not be reahized
with engates of conventional type by two reasons.

The first 15 more broad region of thght
Mach number The use of combimed engine must
be the necessity

The second s the use of l.”_j-l'llcl on ASP
The wmgue properties of LH )y such as great heat
ot combustion, big coohng capacity and  lugh
energy capacity as o oworkimg medium, atlow s to

study and develop a great number ot new tyvpes of

LLH)y - ABE with complex thermodynanue cycies
having o substintially  better charactenstics and
parameters - speafic thrust, speafic mmpulse,
thrust/weight ratio, manimum thght speed, and
with possihibities of engine components cooling

All such engimes must be provided by ram
duct. From the end of 30-s i vinous countries
and compinnes (in CIAM  also) there was an

mtensive work for searching the optumal types of

combimed propulsion system usmg conventiona
fuel and LHj for high Mach number crinse FV
and ASP. The pnncipal review of tlus problem
was done in monograph |6] and some results
were  published i many  previous  and
contemporary works, tor example |15}, |16].

Typical  schemes  of  engines  tor  ASP
acceleration up to M = 5.7, for landing,
maneuvering and for ferrving are shown m Fg.
1.14. The varants of wrturborocket, turbotan and
turboramyet epgies are studied on present time.
The choice of engme type depend on many
factors: working range, required dimension-mass
and  thrust-fuel  consumption  performance,
technology capabilities.
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CIAM Expenmental Turboramjets [11] [17] [18]

The ground tests of experimental full-scale
turboriyets were carned out at CIAM in 70-80s.
The experimental  turboramjet  engines  was
assembled from units of soviet series produced TJ
and TF engines (Fig. 1.15). The deep theoretical
researches  of  turboranyet  performances,
structures  and - application  possibilities  were
carried out before experimental work beginning
7).

Experimental investigittions was carried out
at CIAM special cell with high speed fligint
conditions simutation (M. = 4-4.5). This cell
wias equipped with anlet ir heating and ejector
exliisl  syslens Expevimental  furbormiriels
testing parameters of inlet air were T = 28%-1000
K.P=0.1-02 MPa.

The mamn goals of experimental research
were:
- complex study of operation,
- afterburner and ranget combustor operition,
engintes  switching modes (M = 3 and
operation stabihty,
- vindmulling mode,
- passage Ivdeanlic claractensiws
- power output possibilities,
- ramyet operation mode charactenistics (M >
35
- rmyet combustor and nozzle cooling at M =
3.5-4.5,
- cooling system impact on thrust and SFC,
- structure heat state and transmisston operii-
hilty.

In Fig. 116 are shown the results of

turborimyet  transient  mode  experumental
research. This process is needed of special control
of bypass switching device and engime nozzle arei
o avend unstable operation smd surge of engine

This work was mtended tor crinse FV using
comventional JP-tuel. But mspire of thns puatter
the experience gained i Tas wmgie e cnkil
round muy be very useful by solving ASP power
system problems

LHy - Use in ABE and FV Expericnice

We have realized some programs to solve
the problems of using hydrogen in ABE devoted
to sthsotite and supersonic FV. These progrims
were  coordinated by CIAM  as the head
orgamzation.  Main results were discussed m
previous author papers [12] [13]. Here they will
be briefly overviewed:

1). The m estigations round  of model
afterburning and_rimjet direct-flow  combustion
climbers with Hy - gasifying fuel  diftusion
combustion in subsoime flow with solving such
problems as:

- flame stabilization behind fuel nozzle edge:

- dgnition and tlame spread to all nozzle;

- increase of nozzles number and  chamber
length reduction;

- separate combustion without confluence of
flames;

- uniform spread of fuels and air in chamber
section.

Wihite  meetng  this  conditions  the
combustion chimber using the hydrogen can be
mpede -3 8 piines s sl s a0 cognbinstor II'\.'I.I!L’
the kerosene with high burning  completeness
(Fig. 1.17).

2). R&D of Ly - engine tuel feed system
as aocomplex of systems and aggregates which
functions are tull feedmg and control of the
engine at all stages of s operation. Two clisses
of such systens were researched: open loop and
closed loop schemes. The first one was developed
and applied to expennmental LHy - engine of
Santar Seientic - Penluctiont Bssociion 155P )y
“Trud”.

3. The creanon of expernmental LH)-
turbotin . NK-8§ at the  Design - burean  of
academucian N.D. Kuznetsov (SSPA "Trud”) with
CIAM co-operation. This engine biased on the
NK-8-2U turbotan wiuch is used on Tu-154
atreraft. 1t has such main hydrogen aggregates
(Fig. 118): turbopump, heat exchanger - LH)
gasificator,  multi-nozzle  combustion  chamber
equipped with special Hy-air nozzle modules of
selected  type, and  aiso  special  hvdrogen
equipment;  tubes,  valves,  container,  safety
protection system and so on. The NK-88 can be
easily converted for running on the hiquud natural
gas (methane).

11 Tie ecreatwon  of  experuaental
“hydrogen” rcralt. Tu- 135 1n design bureau of
academician AA. Tupolev using one NK-§8
turbofinr. Special tank, fuel supply and safety
protection  systems,  arield  complex were
developed.

The Tu-153 wireraft (Fig. 1.19) 0 the rear
fuselage pam ls 3 spectal seetion i which tire
hiquid hydrogen tank of volume 18 m? and fuel
systems are located. For the sake of safety in case
of possible hydrogen leakoge the fuel section is
either filled with nitrogen or continuously purged
with air from the conditionmg  system of the
aireratt. The reraft has o hehium system too,

- v —— -
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which is used for pipeline scavenging as well as
for valve control of hydrogen fuel system.

Flying tests were  carried  out  after

completion of the durnble ground hepel tests of

the engine and the individual elements of the fuel
system and also functional  check of the whole
aboard hydrogen complex with o running engine
as o whole,

The Tu-155 with one eogine using the
hydrogen, made its first historic flight on April
15, 1988, The first flight lasted 21 minutes. The
following test tlights lasted twice as much. Next
year on January 18, 1989 the same modified
aireraft tinmed as Tu-156 has mi de the first flight
with one engine NK-89 runnmg on  liquid
methane.

Successful flight tests of the expernmental
vehicles showed the validity of the accepted
techntcal principles and  approaches for  thewr
developmg. In such o way the investigtions on
using the alternative fuels o the aviation bemg
under wiyv in Russiia for more than twenty recent
vears have given the practical results,

The experience on hydrogen engmes, ther
special components, mirerift and ur field systems
abtitited m sbote trertioted works em b tad
in development of ASP first stage acceleration
combined  propulsion  systems,  such s
turboramyjets and others.

1. SCRAMIET - NEW STAGE OF RAM

ENGINES DEVELOPMENT

Russian  traditions - ramyets helped to
carry on theoretical and expenimental works on
scramjets usig hydrogen as a tuel.

Hydrogen scramjet supposed 1o be one of

the most  perspective  engines  for  livpersonic
vehicles and aerospace planes in particulur tor

SSTO. In the Fig. 1.20 are shown some results of

study of two SSTO vehicle concepts: with and
without scramjet engine (DMSCRUJ). The analysis

allows us to conclude that a successful design of

single stage earth-to-orbit with acceptable value
of puvlond can be fulfilled ounly when  using
scrumjet engine 1 combined propulsion system.

However  for serwmjet  cresting o w
necessiry to solve i set of large-scale problems:
- optimum engine-aircraft integration,
- high combustion efficiency with supersonic
gas velocity being in the combustor,
- heat protection and cooling in high-enthilpy
gas flow,

- advanced material technology,
- light Mach number range extension.

The last factor is of very unportinee
beciause of stroung  utluence of seranuet  iglt
Mach  number  working  range  on hght
etfectiveness of ASP. So 1t s necessary 1o chouee
of suitable scramyet scheme (Fig. 1.21). Scrimyet
with fixed flow puassage geometry having more
simple and  reahzable  construction  takes
traiaporent odvontage Bul ar les the relatively
narrow flight Mach number range from M = 6.7
to M = 1315

The flight Muach number range extension
may be obtained as the engme with more tlexible
operating process, for example,- with the varable
flow passage geometry is used. In particular, the
dual-mode scrimmjet (rnget/scramyet) appheation
alows us to reduce the low linut of  Mach
number vange from M = 6. 7to M = 3 4.

At Ingh tight Mach number (M > 10y the
scramjets effectiveness may be oxygen boosting.
The hydrogen-oxygen scramjet specific unpulse is
lower a hittle then that one of hydrogen scramjet,
Bt volumatric impulse of the first engiie by M
1220 45 2.3 times  greater. Thus,  osvgen
applicatton may be the acceptable meamng to
redtroe Fel famh sy amd solrme ard Lo meredse

the aerospace plane effectiveness.

The study of  scramyets  development
problems can be made by three man directions:
CFD analyzes, ground testing, use of flight
laboratories and experimental flying vehicles.

Computer Analysis of In-Scramyet Processes

Because of test possibilities himitition and
dithiculties of  measuremenits m Ingh
speed/enthalpy flows the computer analysis of
seramjet behaviour becime of great unportinge.
It served as a powerful stimulus o CitD
development.

The program complex for the computation
of the two- and three-dimensional scramjet duct
flow field is developed with the use of the
modular structures of software. The flow region is
divided o elements torebody, ket cowl,
combustor. nozzle and aafterbody. That software
complex, winch will be desenibed in these Lecture
Segtes, below also ineludes e possibslity fior Lhe
optimization of scramjet elements, for example,
nozzle - afterbody. There is the 2-D or
axisymmetric unified "nose-to-tail” flow field
model.
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The mixing enhancement in  scramyet
chiumber may be reached with the :id of the 3-
dimensional effect. The mixing of the hydrogen
jet from elliptical or rectangular nozzle with the
stresum s more intensive, then in the case of
axisymmetric nozzle,

The example of calculation of the 3-D
hydrogen jets and air stream turbulent mixing
with burning in the rectangular channel is shown
in Fig. 1.22. The results are obtained with the use
of parabolized Nuvier-Stokes equations.

One of the greet problems is thit of cooling
the scrimyet structures under high enthalpy gas
flow operation,

At the example of the fuel supplying strut
CFD analyzes it is shown that maximum heat
flux is in region of shock wives interaction and
boundary layer separation. The fact that one
cannot pradict location of Luninar-to-turbulent
transition makes to  provide cooling for the
gredter hieating rates withs magin,

So, complete expernimental study of the
processes il mmiving  burming and leat trsfer 1o

scrnnget combustor elements is of great necessity.

Scramyet Models Ground Testing

The scramjet ground testing pulls out very
difficult  and  expensive  requirements;  ligh
pressure and enthalpy airflow and LH) or GH)
fuel supply, huge amount of wr supply for
eglisteld systepn witly elector Lo aclueve  ugl
altitnde conditions and so on. These requirements
become extremely hard when using free jet test
method. So. the existent scramjet test facilities
with  continwous ar supply are ntended  tor
testing rather small SCRI-modules by not very
ek Ml mnbers, less (it el The specidl
field of testimg are the shock tubes m which the
test duration s very short to study some SCRI
workimg processes.

CIAM has some SCRI-test fucilities which
can provide the testing the models up to 200x200
mm and 300x300 mm size with Mach number
simulation up to 6-§. These facilities allows us to
test models both in the free stream flow and with
the conrected duct.

In the Fig. 1.23 is shown one of that
Cwiities [ eousist of siuitude elpunber, electrical
and fire wir heaters, nozzle, thrust meter system,
ejector and exhausted section system. Two type
of heaters give capability to estimate effect of air
composition in engine inlet. The facility has such
capabilities: simulated Mach number - up to §;

hot air tflow rate - 25 kg/s; total air temperature
and pressure - up to 2500 K and 20 MPua;
hydrogen flow riate - up to 1.4 kg/s and oxygen -
up to 10 kg/s. These parameters can be increased
by test cell modernization because of whole
energetic supply of CIAM experimental center is
very large.

There were designed at CIAM  and
manufactured  in co-operation  with  Turaevo
"Soyuz” Design Burean two models of dual mode
scramjet: axisymmetric and 2-D one (Fig. 1.24).
The model inlets were of three-shock-wave, fixed
geometry type with design Mach number M = 6.
Gaseous Hp is used as a fuel. Axisymmetric
DMSCRJ is intended to testing on flight
laboratory. The sizes of models were: 0.2x0.2m?
of 2D and inlet dinmeter 0.223m of axisymmetric
one. Both the models were thoroughly studied in
free jet, and the results were widely published

Scrinyjet Models Fhght Test

Flight tests are of very great unportance
not only for comparison the ground and flight
testing - resulls bun because of the joun sork of
niany speciabst developing engine, fuel supply
and control systems, on-board LH» tank, ground
and  on-board  telemetry  systems,  ground
infrastructure and  Lknch  system,  mobile
hydrogen refueling complex, rocket booster and
its in-fhight control sind so on. All these specialists
mtended to nch the common practical goal. Such
comphceated work gave us integril experience and
el e stivrinte el

The many years program of flight  lab
development and test preparation was carried out
by the CIAM m co-operation with Air Force,
missile  Design  Bureau "Fakel”, engine Design
Burean "Seyus”, comiol system Desigit Bureau
“Temp” and the other orgamzations of mdustry.

As the thght test model was used the CIAM
axisymmetric  scramjet (Fig. 1.24) and  as a
booster system wiis chosen one of old ground-to-
air nussile. The scrmyet Might laboratory on the
start position is shown in Fig. 1.25.

The first ight test was carried out in
Kazakhstan ot the end of 1991 and the second
one with participation of France party at the end
of 1992. Both flight tests were successful. The
pesults of scrunjet Might testing are analyged in
these Lecture Series.

The use of hypersomice flight laboratories
and  smal unmanned  research  vehicles  with
scramyets seems to be very fruitful because of



financial restrictions, from one side, and the
availability of powerful rocket boosters as the
result of demilitarization, from other side.

In that situation the CIAM and other
Russian organization experience and scientific-
technological achievements in scramjet testing
field become especially valuable.

S. SCIENTIFIC SUPPORT OF ENGINES
R&D IN RUSSIA

The creation problem of principle new
propulsion for high speed flight vehicles, for
example ASP, is extremely hard and complea and
requires the participation of great number of
scientific and design organizations and even
international cooperation.

The R & D organization of such PS in
Russta has the important peculiarities, which are
in the significant concentration of scientific and
experimental investigations in research institutes,
that become really co-operation of developing
organizations with design bureaus (Fig. 1.26). The
designn bureaus i1 w lesser degice conduct the
mvestigations  and  work  at design - und
Jevelapient of edgines the andtinl concenbiog of
which are produced in co-operation with
institutes.

The leading institutes of aviation industry
are: Central Aerohydrodynamic Institute “TsAG"
(aerodynime of FV and PS. airframe durability);
Central Institute of Aviation Motors "CIAM" (ll
engine problems); All-Russia Institute of Aviation
Materials  "VIAM”  (materials  for  airframes,
engines and all FV systems). Institutes work
together each with other and with aireraft and
engine design  bureaus. Under contracts  the
imvestigation are conducted as in mstitutes ot the
Russtan Academies of Science and Engineering
and i educational institution laboratories,

The head organization devoted on aviation
engues of all types s CIAM, the large-scale
sctentific center. The man directions of CIAM
achivity ire:

- fundamental investigation on gas dymnics,
combustion and  heat  exchange,  structural
durability, theory of control;

- research in the field of ABE theory and
optimizition of advanced engmes performances;

- fundamental and applied investigations of
advanced engine components and systems;

- expenmental investigations  of  the
demonstrators and of all Russian engines under
development, of its components and systems;

- engines certification.
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The structure of CIAM consisting of the
Moscow center and out of town Test-Research
Center is the following:

Moscow_Scientific-Research Center mnclu-
des o number of scientific-research departments,
powerful computer center, test facilities for
testing  units  and  small  engines.  Test_ and
Reseirch _Center has full scale altitude-pressure
cells for testing engines of all type and fucilities
for testing full scale engine components; powerful
energy complex with compressors and exhausters,
cooling and draun stations and other systems,
industrial strength testing center. This s the
biggest in Europe engine test center.

Above described scientific support system is
very effective but it is in need of centralizes
financial support. Now this system 1s moditying
by the influence of market economic tendency.

CONCLUSION

The Russin traditions of ramyget study and
development, the big series of research programs
devoted ol turbormyets, Indrogen fucled cugines
and  FV,o sceramets ground  and hight tests
copstitite the lape wepentlic techodogicd wilie

The international  discussion  on  these

achievements nuy be very fruitful for all the
participants.
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Hypergonic
ramjet engine

Uiquid-propeliant ](H2+0,)

Fig. 1.1 T T racket engine
o [ 10 M
Ram engines - propulsion
for high velocity flight [12].
Ram Propulsion
[ |
Type of engine:| Ramjet, Combined engines| [Scramjets
Ramrockets with ram duct
Type of fuel: Liquid, Liquid, Liquid,
Solid Cryogenic Cryogenic
Application: Missiles Hypersonic FV, Missiles
ASP Hypersonic FV,
Fig. 1.2. Ram Propulsion.
Mendeleev table Heat of combustion
(] ® - Hu, Makg (by mass)
J1 U juivivivi Vlll‘ld 120 O - Hv, Ml/gm® (by volume)
I Oxidizer =~ oxygen
L 1L Mo basic temperature - 298.16 K
= * - solid oxide
2julsejsicinjo]rin] o0
JaMalAL|SIIP]| s ct N
Only 7 elements have 40
Hu > 25 MJ/kg
o L] (] L] . L]
He 8" 0 W' C A Mg B
Fig. 1.3. Basic combustible elements (12).
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Fig. 1.4. Fuels and the FV size.
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Fig. 1.5. Potential chemical Fuels [12].

* Classification and fields of wuse

* Basis of ramjet theory and design

% Duct gas dynamics ( intakes, combustion
chambers, jet nozzles )

% Fuel - air mixing and combustion

* Chemizal and nuclear energy sources

* Developaent and test wmetodology

Fig. 1.6. Soientific heritage of M.M.Bondaryuk
in ramjet field. (1940 - 1969).
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® Full integration of PS and FV

® Ram combuster and booster combined
® Heavy (solid) fuels

® Ramrocket type (ejection effect)

Fig. 1.10. Low volume Rsmjet - new generatfion.
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Kh - 31P (Russia) 720 kq, 1983.

< T~ ] T.I&

ANS (International) 650 kq, 2000.
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Fig. 1.11. New ramjets of 3-d generation for
air-to-surface missiles (9].
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@ TURBOROCKET (ATR)

Fig. 1.14, Enqim; for the ;‘i'rst stage of ASP
acceleration and for hupersonic FV (11].
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Fig. 1.15. CIAM experimenta)

turboramjet engine [11].
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Fig. 1.16. Study of turboramjet transient mode [11].

Whajet of combined engine Leoost ah Hosossns

Ly = (2= 250,
@ JP - homogenizod mixture combustion
@ H; ~ aaseous fuel diffusion combustion

Fig. 1.17. Hydrogen afterburnecr -~ ram combustion
chamber [12].
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Fig. 1.18. Basic hydrogen aggregates of the NK-88 engines.
1=-turbopump; 2-heat exchanger-gasificator;
3-hydrogen combustion chamber; 4-special cryogenic
equipment including automatic control system [13].
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Fig. 1.19. The Tu-155 LH, - aircraft layout [19].
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Fig.+1.20. Mass efficiency of SSTO [11].
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Fig. 1.21. Scramjet engine types (11].
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Fig. 1.22. The numerical 3-D simulation of the turbulent
mixing with combustion of the supersonic flows
in rectangular channel C11].
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Fig. 1.23. Scramjet test facility C11].

M, 28 - 88
T_= 800 - 2100 K
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Fig. 1.24. Dua) mode scramjet models [11].

Fig. 1.25. Scramjet flight Laboratory on the

start position
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ABSTRACT L/D - lift 1o drag ratio.
In this, first of the two reports on Turboramjet Engines, M - Mach number.
some properties of variable cycle propulsion plants based Mo - optimum for transition to R operation
on a combination of ramjet and various turbine - type mode flight M.
engines are considered. Various jet engine type thrust Mx - flow M at the ARCC inlet.
performance vs flight Mach number are represented. m - bypass ratio.
Turboramjet engine (TRE) are classified according to the P - pressure.
manner of cnergy transfer to the ramjet parts. The Pa - ambient air pressure.
defining principles of essential TRE propulsion plant PS - propulsion system.
working parameters and dimensions defining principles PRC - COMPrEssor pressure ratio.
with taking into account of flight vehicle requirements, R} - ramjet engine.
are considered. TRE various types thrust performance are SKC - specific fuel consumption.
presented. Sin - intake recovery coefficient.
A Comparative effectiveness study of various types T 1::‘:::::1"::\[ K.
combined propulsion planis for future hypersonic transport T ) : N S ) .

oy . 3 fuel is given. A . ‘.l - .unt?unl mr}gnpcr.uurc. K.
[RACS i Tsm fiFsstage with LI ) g I's - engine specific thrust.
preference is shown for the turboramjet engine as a ' ] s
universal multimode propulsion plar... Interrelations of - .
TRE configuration and working parameters with the ¥ y AL SHENS |

) THA) - augmented trbotan,

change to ramjet operation mode process is considered.
Optimisation of operation modes changing conditions as
an approach to the governing principles of a combined
engine working process is given.

NOMENCLATURE AND ABBREVIATIONS

A - area.

ABE - air-breathing engine.

ARCC - augmented-ramjet
combustion chamber.

ASP - airspace planc.

ATOS - airplane-to-orbite system.

ATR - gas generator type turborocket engine.

a - air-to-fuel stoichiometry ratio
coefficient.

m+l
bs — - relative airflow

m in RJ duct or TF outer duct.

Cp - vchicle aerodynamic drag
coefficient related to the wing area.

Dp - vehicle aerodynamic drag.

Ep - vehicle mechanical cnergy.

fin - ratio of free stream cross section arca

to air inlet area.

H - flight altitude.

He - flight "energetic altitude" (the ratio of
vehicle mechanical energy to vehicle
weight).

HST - hypersonic transport airplane.

h - efficiency.

hin - air inlet efficiency.

ha - acceleration efficiency.

hoa - overall acceleration efficiency.

k - adiabatic exponent.

TFCA) - TF with bypass reheat.

TFRJ - turboramjet with TF as a core.

TFRIJs - TRE with TF as a core and bypass
ARCC.

TJ - turbojet engine,

TRE - turhoramjet engine.

TRJ - TRE with TJ as a core.

TSTO - two stage to orbite ASP.

(T/W) - thrust 10 weight ratio.

Vv - flight speed.

Vx -flow velacity at ARCCinlet.

w - engine weight.

w - mass airflow,

Wp - vehicle weight.

SUBSCRIPTS

4 - acceleration.

¢ - COMPrESsOT,

cor - corrected parameters,

cr - cruise.

f - fan.

g - lurbine inlet.

in - intake, inlet.

n - nozzle.

r - ARCC, reheat.

R.r1j - ramjet operation mode.

s - specific parameters, separate.

T. 4 - turbojet (gasturbine) operation mode.

t - sum, summary; lotal.

x - ARCC inlet.

0 - sca level static conditions; optimum.

* - critical parameters.
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INTRODUCTION

The air traffic role in modern life is increasingly
important. The overall number of passengers per year
exceeded one billion just at the end of the last decade.
World political and economical situation development
broadens relations between countries. One can foresee the
tendency to a growing share of long range passenger
aircraft in the world airliner fleet. Passenger traffic growth
at the heginning of 21 st century, in conjuction with
increasing needs in long range transport require more
attention to higher flight speeds [1.2).

Today the flight speed range of air transport is limited by
technical economic factors to the subsonic arca mainly.
Transcontinental and transonic flights require a lot of
time. Given the expected increase in air transportation and
established practice of "comfortable” flight-time for a
passenger of no more than 2..3 hours, we may infer the
prospective development of a supersonic passenger aircraft
of a new generation (M =2 - 2.5) and in the distant future
we shall require air transport at hypersonic speeds, which
could enable flights on the longest routes within a
minimum time (Fig.1).

Flight rpeed increase leads to flight time reduction and
heace  improves travel comfort, particularly  on
intercontinental routes. However, while the transition from
subsonic to supersonic speed of Mach 2-3 at a flight range
of 10.000-12.000 km reduces flight time by 10 hours, a
further speed increase up to Mach § - 6 results in a time
saving of about ene hour.

For an appreciation of the maximum flight speed of future
airliners it is suitable to consider results of modelling of
a one-day business trip concept [3] (leaving home not
carlier than 07.00 and returning home after a business
meeting not later than 24.00 at the same day). Analysis
has shown that even at Mach 6. the overall amount of
possible routes between the twelve most important
political-economic world centres is already approaching
the practical limit (Fig.2).

The development of an effective acrospace plane (ASP)
for launch of commercial loads is needed to continue to
open up the near-Earth space for peaceful goals. The key
facton ni tow cost Taunch s The use of reusable Taunch
from an  Airplane-To-Orbit  System  (ATOS)  with
hiwnpoaal  take ol lnnding  and 5 Tueleflowenl  au
breathing engine. The nise of ATOS or TSTO lirst stage
speed from subsonic to hypersonic of Mach 6 - 7 enable
an increase in the relative mass load of about 2 - 3 umes

12].

The presemt development of ATOS on the basis of a
subsonic launcher can be considered as precedent for the
parallel development of an advanced hypersonic transport
(HTS) and a hypersonic launcher far ATOS in the future
(Fig.2), The key problem of development of the
hypersonic propulsion system (PS) will be better resolved
when using the ‘double application engine’ concept for
development of an engine of HST and ATOS. In this case.
the propulsion system for various aviation system

missions will keep their distinctions according to the
mission, including cooling sy stem, relative size of an inlet
and nozzle, integration with airframe, ectc. In this
connection the possibility of using the TurboRamjet is of
substantial interest {5).

1. VARIABLE CYCLE COMBINED PROPULSION
SYSTEMS

In developing the supersonic or hypersonic power plant,
the main factor in defining its configuration is a wide
range of operating conditions. Engine efficiency in cruise
flight is ensured by optimising thermodynamic parameters,
which considerably change depending on flight speed and
altitude. On the other hand, a significant requirement for
the power plant of a high-speed aircraft is providing high
thrust for acceleration, which at high Mach flight numbers
is determined by the air flow.

A typical property of a turbojet is the lowering of the
pressure increase and the corrected air flow in the
turbocompressor part with an increase in flight speed
(Fig.3). Specific thrust parameters of the augmented turbo
jet approach ramjetl specific parameters at flight Mach
numbers 3...3.5. At higher flight speeds RJ gives higher
than TJ specific thrust at equal air-to-fuel coefficients
(Fig.4). Corrected air flow in RJ with variable inlet and
nozzle can be maintained constant over a wide flight
speed range. As a result the Rj thrust rises with Mach
number more rapidly than turbojet thrust. Then at M
numbers higher than 3..4 RJ thrust exceeds augmented T)J
thrust, and in this flight speed region RJ can be more ef
fective than TJ.

Together with augmented TJ performance degradation it
is very difficult to provide TJ operability at flight M
numbers higher than 3.5..4. In Fig.5 are represented the
air temperatures at compressor inlet Tin and outlet Tc vs
Mach number at various pressure ratio design values PRC.
and typical temperature level, admitted by materials
thermaodurability.

It is seen that, when maximum air temperature is limited
to a value of 100..1200K by requirements of structure
thermodurability, then maximum flight Mach numbers for
augmented TJ are imited approximately to M = 3.5..4.
whilst RJ can operate up to M = 4.5, Taking into account
the absence of rotating parts 10 RY and iis sirucanre and
flameholder fuel cooling possibility, one can conclude
vt pisswible wnmwivnao, fight spoeds Lo BT ercead M =
5. Attractive RJ properties are structural simplicity and
low specific (relative to crass section) weight [4]. But at
low flight speeds RJ has poor efficiency. Then in engines
designed for a wide operating flight speed range 1t 1s
necessary to combine high TJ efficiency at M numbers up
10 3..3.5 with RS satisfactory specific parameters at M >
35.4.

Combining in a single propulsion plant the TJ and RJ
engines gives the possibility to obtain the ABE type class,
which are operable and effective up to M = 4.8 and
higher. A combined turboramjet engine (TRE) is, in
essence, a bypass ABE, in which a high pressure inner
part represents the TJ or TF (gasturbine part), and a low
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pressure external part - RJ (ramjet part). Depending on the
cngine type. some of its structural clements can be
common to both parts. Usually in these engines
afterburning chambers represent the combustion chambers
of RJ 100, which are formed by switching out the TJ pant
by means of special devices and feeding fuel only to RJ
combustion chambers,

Sclection of one or another type of engine is to a great
extent determined by the requirements of a hypersonic
aircrafi. A change in these requirements can significantly
change the optimum powerplant design. For example. at
high aircraft thrust-to-take-off weight ratio and with
stringent requirements for the specific weight of an
engine, powerplants with air-turbo-rocket engines (ATR)
may have certain advantages; however they have low fuel
efficiency, particularly at low flight speed.

Turbocompressor engines of more sophisticated cycles.
using hydrogen's high cooling and working capacity (air
cooling at the engine entry, steam-hydrogen turbine)
enable extension of the flight speed range of use and have
higher efficiency. but higher weight too, as compared to
the rather simple gas-generator ATR,

Problems of matching the essentially different operating
modes in combination with the more stringent
requirements on noise levels, sonic boom intensity and
detrimental emission create a very complicated problem
for the development of the multimode hypersonic power
plant.

There is a need when using variable cycle engines (VCE)
to match conflicting ecological and thrust characteristic
requirements. Usually a VCE is a bypass engine with
variable geometry components (7). Adding the ramjet to
such engine types allows developement of a combined
variable cycle power plant with a very wide range of
performance.

When there is a considerable amount of subsonic cruise
flight (for instance flight over populated territory,
subsonic hold. emergency situation in case of supersonic
or hypersonic transport aircraft) there are severe
requirements for high fuel efficiency in the mentioned
modes. In this case, the advantageous will be the power
plant with the turbojet (TH or turbofan (TF) (VCE).
whose fuel efficiency in the throttle cruise modes is much
higher as compared to the sieam-hydrogen (regenerative)
ATR.

2. TRE TYPES

The TRE fcatures depend on its design. Therefore the
TRE type selection depends on the vehicle mission. The
multitude of TRE types can be split up according to the
principle of using the engine gasturbine part “frec power”
1o compress air in the ramjet part in order to increase the
enginc thrust at take-off and low flight speeds [9].

The TRE without energy transfer to the ramjet part is just
a mechanical combination of turbojet and ramjet engines
{Fig.6), Their thrust performances are obtaincd by adding
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together the performances of gasturbine and ramjet parts.
The relative airflow in the ramjet is the part equal to

Wrj m
b= =

Wij + Wrj m+1

In the gas-turbine operating mode, that is to say when the
ramjet part is switched off (b=0), such an engine has a TJ
or TF with afterburning (TJ(A) or TF(A)) performance,
while in the ramjet mode, when the TJ is switched off (b
= 1) it has ramjet engine (RJ) performance. If there is a
separate combustor in the ramjet part then the parts are
independent. This allows switching on the ramjet in
transonic flight to increase the total thrust of the engine
(TRJs and some other types on Fig.6). Thus, in the TRE
of this type, simultancous (parallel) operation of the parts
is realized.

For better performancce of the engine in the ramjet mode
the switched-off part should be shut off by special devices
such as doors, louvres. moving centre body etc.

The drawback of TRE types with separate combustion
chamber and without cnergy transfer to RJ part consists in
larger dimensions, complexity and higher structure weight,
which is a necessity for the parallel arrangement of two
combustion chambers with variable nozzles. The most
simple, compact and advanced in this group of types is
the TRJ with separate gas-turbine and ramjet channels
(TRIJs). especially when using a "stoichio-metric” TJ.

A group of TRE types without energy transfer to the
ramjet part at low flight speeds includes also the TRJ
with, common to both TJ and RJ parts. an afterburning
ramjet combustion chamber (ARCC). In this case the T)
is intended for charging the ARCC at low and moderate
flight speeds. Thanks to the consecutive layout of the TJ
and ARCC. the RJ operation mode changes with flight
speed increase from TJ mode to the ramjet mode. The
TRJ principle feature is the impossibility of simultancous
( joint ) operation mode at low and moderate flight speeds
due to the large pressure difference in TJ and RJ channels.
Hence the necessity to shut off the ramjet duct in the
gas-turbine operation mode with a special device and a
specific control mode when switching to RJ.

The necd to isolate the switched off TJ at high M
numbers may be the result of consist in the influence of
kinetic heating on the structure. Hence, if structural
durability and oil system operability are sufficient, then,
along with switching to RJ maode it is possible to transfer
the TJ 1o windmilling or idling and usc it for driving
accessorics. Usually in this mode only a small part of the
airflow passes through the TJ part (b -> 1). and thrust
performance difference from that of pure RJ is rather
small. Then joint operation and windmilling modes are
ncarly the same as RJ mode operation. The TRJ has
advantages from the point of view of dimensions. weight
and simplicity.

In TRE with encrgy transfer to the ramjet part (Fig.6). the
free power produced by the gasturbine engine is used to
increase pressure of the air supplied to the ramjet. As a
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result both parts of the engine can be involved in
operation withip the whole range of speeds and altitudes
of flight, These types are essentially the development of
the TRJs and TRJ by application of a bladed (or jet)
compressor to increase air pressure in the ramjet part.

In the TRE typés with cnergy transfer by ejector, the
active operating fluid is the airflow from the fan or
turbine. These TRE types in principle don't need the shut
off device for the RJ part channel. For effective operation
at take-off and low flight speed conditions in which one
can obtain some effect from ejection, it is necessary to
take some constructive measures. Among these there are:
lowering the turbine or fan passage exit area for
maintaining high active gas parameters; using a narrowed
mixing chamber and special mixer for reducing the losses;
using ARCC with a large cross section for reducing losses
lowering and. consequently, using the diffuser with large
area ratio before ARCC. The necessity of these measures,
leading to engine complexity, higher weight and
dimensions, is conditioned by the low efficiency of a jet
compressor when its dimensions are limited. As a result
the TRE types with ejection have no practical advantages
over the types with energy transfer to RJ part by turbofan.

The TRE with energy transfer by fan (TFRJ) doesn't differ
principally from augmented wrbo fans with separate
primary and secondary flows TF(A)s or with mixing flows
TF(A) (Fig.6). Their special feature is the change to RJ
operation mode with turbofan windmilling at high flight
speeds (b -> 1). In this connection the windmilling
turbofan drag presents an important factor. Multimode
operation and the use of a windmilling turbofan to drive
accessories are the important advantages of the TFRJ. In
the case a high design fan pressure ratio, which changes
windmilling performance for the worse, or if the TF is
isolated from kinetic heating in the RJ mode operating
conditions as a result of reliability requirements, it is
necessary to include into the engine structure a passage
around the fan to bypass the airflow at high flight M
numbers. For the same reasons as in the case of TRJ, this
passage should be closed by a special device in low flight
speed conditions.

TRE types with energy transfer and a separate combustion
chamber for the RJ part inherently have a compact
configuration because of parallel arrangement of both
parts. But these types require closing of gas turbine
passage exit in the RJ operation mode to maintain thrust
performance. TRE types with common ARCC don't need
such closing. but are longer and need a wider range of
nozzle Mlap movement.

The expediency of using the TRE on the basis of TJ or
TF is defined by the vechicle mission. If high fuel
cfficiency at low flight speeds is required (Fig.7) along
with good performance when cruising at M = 4...5 then
the TF as the basic engine is preferable; if the mean
requirement is for high performance at maximum flight
speeds. then it is expedient to analyse the possibility of
using the TRE types on base of T). It is possible to make
thc TFRJ structure with slightly less length and weight
than the TRJ with equal design thrust (4],

The main merits of the TFRJ are:

- effective performance over a wide range of flight
conditions;

- lower noise level at take-off and low flight
speedcondition;

- wide range of thrust variations at constant air-flow.

3. TRE DESIGN PARAMETERS AND DIMENSIONS

The independent selection of gas turbine part and ramjet
part sizes (a fan/compressor inlet arca Af or Ac and an
ARCC or ramjet bumner cross section area Ax) is a
common feature of the combined engines (Fig.8).

In general:

- a size of inlet area Ain is determined by the design
thrust value at the maximum flight speed and optimised
by the influence on the flight range and externaldrag at
transonic flight speed:

- a size of the fan (compressor) area Ac is determined
bearing in mind ecological requirements: namely, by a
design thrust at transonic flightspeed (sonic boom
limitations) or at take-off (noise level limitations); for
engines with lower dry specific thrust (TFRJ) the
subsonic cruisethrust can be the determinating factor
(Fig.7);

-the size of ARCC cross section area Ax is determinedby
the flight speed at which a transition to ramjetmode is
realized and is optimised taking into consideration
matching of TJ, TF and RJ operation modes:

-the size of nozzle exit area An is optimised takinginto
consideration nozzle efficiency at maximum flight speed
(Fig.9). external drag at trasonic flight speed and nozzle
weight.

Selection of the design by-pass ratio is of important role
in developing a multimode engine. The less the by-pass
ratio. the closer the TF(A) performance to those of the
TI(A). With by-pass ratio rising TF(A) properties
approach those of the RJ (Fig.10).

It is possible to base the choice of the reasonable by-pass
ratio value, for example, of the HST engine on the
following considerations. When the design bypass ratiom
is raised at given cycle parameters. the optimum fan
pressure ratio and engine core airflow deccrease. This
decreasing relaxes the core airflow steepness influence and
leads to increasing of total engine airflow at supersonic
flight spceds. As a resull, the relative engine thrust at
maximum augmented ratings T/T, increases.

The corresponding SFC also increases, but usually this
does not lead to a significant increase of required fuel
amount, because of a simultancous increase of excessive
thrust and a higher acceleration rate. At high supersonic
speed flight (M > 3.5) the engine must run according to
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the RJ cycle, which can be realized more simply with
larger dimensions of the external low pressure passage,
that is, higher design by-pass ratio. Its increase in this
case decreases the need for special mechanization of the
passage and an additional by-pass duct. The fuel
efficiency at subsonic cruise is also improved.

For example, for a bypass ratio of order m = 3 fan
pressure ratio values are PRCfo = 2..2.5. The high pass
capacity of such low pressure ratio fans over a wide range
of rotating speeds is one of the main factors that
determine the possibility of creation of the TFRJ (or
TFRIJs) types of TRE, which can be transferred to RJ
operation mode with fan windmilling at high flight

speeds.

Increase in design bypass ratio results in an increase in
engine air flow and its cross sectional dimensions. For
aircraft of moderate supersonic flight speeds (M = 2,..2.5)
this is one of the reasons for sclecting low by-pass ratio
values. For high supersonic flight speeds (M > 3) the
relative cross sectional dimensions of an inlet and
diverging nozzle rise considerably (Fig.11), whereby a
significant increase in the by-pass ratio within the range
determined by the dimensions of the power plant entry
and exit can be possible.

As to the subsonic cruise part of flight, which is inhcrent
o heavy-weight supersonic vehicles, the fuel economy
considerations also require the choice of higher by-pass
ratios, but with upper limits nearly m = 4 because of
substantial decrease of engine dry thrust,

In Fig.12 the typical TFRJ performance inter-relations are
represented. which should be considered when making the
choice of design bypass ratio. In this case the “critical”
factor is the engine dry thrust at subsonic cruise. The
requirements for the design take-off (or transonic) thrust
and thrust value at cruise with maximum hypersonic speed
arc provided for by the corresponding design dimensions
of inlet. fan and ARCC in the whole range of engine
parameters considered. With higher design bypass ratios.
fan dimension increases but this has no influence on fucl
efficiency at hypersonic cruise, slightly affects on engine
weight W and leads to higher fucl efficiency at subsonic
cruise. However subsonic dry thrust decreases. Increasing
bypass ratio higher than some limiting value would
require greater engine dimensions and weight and lead to
engine oversizing relative to other flight conditions. In
this case the maximum bypass ratio, at which the dry
thrust corresponds to the required level. is the expedicnt
design value.

Thus. for multimode vehicle engines with high supersonic
flight speced adoption of relatively high design bypass
ratios may be the rational decision. The optimum bypass
ratio values depend on the cnginc cycle parameters,
aircraft acrodynamic characteristics. distances of flight
segments with supersonic and subsonic speed cic.

It is possible to use a similar approach when defining the
optimum correlation between the dimensions of the RJ
and TJ parts of TRJ. This correlation one can express as
the ratio of the ARCC section area to the arca of
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compressor inlet. The choice of each of them is 10 some
extent mutually independent, and is defined by required
thrust values at RJ and T (for example at take-off)
operation modes. At rather low Ax/Ac ratios the engine
would be oversized for TJ mode of operation, while at the
high values - for RJ made (Fig.13). At some ratio value
both areas and engine weight W are minimized, and it is
possible to consider this value as an optimum.

4, COMBINED ENGINE TYPES COMPARISON

The analysis of mission performance and advantages of
some various combined ABE concepts was conducted for
two advanced hypersonic aircraft:- ATOS launcher with
stage separation at Mach 6;- HST with cruisc spced Mach
6 (Fig.14).

Liquid hydrogen fuel is used. The using of LH2 enables
us to consider a wide variety of engine concepts as it is of
great heating value, high cooling capacity and high
working capacity when expanding in a turbine [4].

The transition of aviation 1o new types of energy sources
is historically inevitable. In some decades switch-over
from a transport-energy system based on oil and other
fossil energy sources to a system operating with a new
energy source will take place. Synthetic hydrocarbon fuel
will fill the shortage of oil fuel for some period of time,
A prospective aviation fuel will be liquid hydrogen,
having no raw materials limits. Global restorable sources
of primary energy are used to obtain it. Passing to
hydrogen energetics will resolve the ecological problems
resulting from the wide application of hydrocarbon fuels.

The energy properties of traditional and alternative fuels
are represented on Fig.15. The fuels, obtained on base of
oil. casing head oil gas (ACF) and natwral gas (AMF)
rather slightly differ in mass calorific value, but
significally differ in volume calorific value and cooling
capacity.

Liquid hydrogen as a future aviation fuel offers a complex
of unique propertics against a conventional kerosene - the
heat value is higher by a factor of 2.8, the cooling
capacity - by afactor of 15..20. LH2 is ecologically clean
as a fuel. These propertics, along with its reproducibility
as an energy carrier raise the question of developing
widely spread air transport of global importance, bringing
aviation transport to high supersonic and hypersonic
possibilities.

*) Engincs parameters and mission performance
comparative analysis was conducted in joint investigating
programme by V Palkin. N.Doulepov. G.Khartchevnikova
and author.
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In our country, wide-scale experiments on using cryogenic
fucls in aviation we are carricd out. including flight
testing. The Tu-155 experimental aircraft successfully
made its first flight on April 15, 1988. The NK-88
hydrogen engine was mounted in the right engine nacelle.
The engine was developed by the design burcau of
N.DKouznetsov. The engine has a special fuel feed and
control system with gasifying and heating of the hydrogen
and a modified combustion chamber,

It 100k about ten ycars to develop all the required
technigues including the investigation and experiments.

The Tu-155 aircraft can also use liquefied natural gas
(liquid methane) as a fuel. The liquid methane engine was
also developed in the design burcau of N.D.Kouznctsov.
The Tu-155 experimental aircraft made the first flight in
aviation history using liquified natural gas on January 18,
1989,

Flight tests of the Tu-155 confirmed the reality of
developing a production passenger aircraft with cryogenic
fuel [10].

For both above mentioned hypersonic missions in the
comparison analysis the climb and acceleration trajectory
was practically identical and flight at maximum speed was
conducted at an altitude outside the atmospheric ozone
maximum concentration area (Fig.16).

The efficiency criterion for the ATOS power plant was the
relative mass of the second stage. For the HST with
commercial load mass constant for all variants. the
criterion was take-off weight. For the last mission airplanc
(HST). two flight concepts were considered-only with
hypersonic cruise and combined subsonic (about 20
percent of total range) and hypersonic cruise. The
combined mission reflects the possibility of flight speed
reduction over populated territory for sonic boom impact
elimination.

The following engine concepts are discussed (Fig.17).

1. Turboramjet engine (TRJ). TRJ consists of the TJand
R) parts and has a common afierburner -
ramjetcombustion chamber (ARCC) and ramjet channel
with shut-off device. The TJ has a compressor with
moderate pressure ratio and high temperature turbine ( Tg
max up to 2000 K ). The variation of TRJ with a separate
combustion chamber of the RJ part (TRJs) was also
considered. The independence of the T and R) parts in
TRIJs provides parallel operation of the parts at low and
moderate flight speed with higher thrust performance.

2. Turbofanramjet engine (TFRJ). which, in essence.is a
high temperature. variable geometry turbofan. The
sclection of a design by-pass ratio value at higher level
improves matching of the TF and RJ sizes and transition
of the engine to windmilling fan mode at high flight M
numbers.

). Regencrative Airturborocket engine (RATR) with
transition to RJ mode at high M. Its compressor is driven

by a turbinc working on gascous hydrogen, heating of
which is performed in the heat cxchanger, located in the
combustion chamber. Because of heat regeneration the
SFC of the engine is ncarly cqual to the SFC of the TFR)
at operation with the same maximum fuel-to-air ratio, but
the RATR has higher thrust-to-weight ratio because of
lowpumping work of a liquid fuel. The turbine inlet
temperature is 1200 K,

4, Airturborocket engine (ATR) with transition to RJmode
at high flight M. The oxygen/hydrogen bumer
(gas-gencrator) provides a high pressure, fuel rich flow to
the uncooled turbine. This fuel rich flow is then mixed
with the compressor discharge flow and burned in the
combustion chamber. The turbine inlet temperature is
1200 K.

The variable geometry inlet and nozzle performance
cfficiencies are the same for all engine types. Design fan
(compressor) pressure ratio in the cases of TFRJ, RATR
and ATR was selected nearly the same. For this reason
the thrust characteristics of TFRJ and RATR are nearly
similar (Fig.18). The SFC of the ATR is more than 2
times higher in comparison with other engine types
because of the use of onboard oxygen. It was decided.
that all engines would operate on RJ mode at flight speed
higher than Mach 1.5.

TFRIJ has the highest fucl efficiency in subsonic cruise
flight. In accordance with higher propulsive efficiency its
dry thrust SFC is about 25 - 35 percent lower in
comparison with TRJ and about 2-3 times - in comparison
with RATR (for very high fuel consumption the ATR
engine cannot be a competitor at these flight regimes),
(Fig.19). However, the low dry specific thrust of the TFRJ
at minimum SFC condition may lead to a decrease of
subsonic cruise flight spced and altitude or to an increase
of engine size and propulsion system weight. It should be
noted that the range of RATR throttling performance is
limited by heat exchanger over-heating.

For the engines considered one can recognize some
interdependence between the engine thrust-to-weight ratio
(TWR) and SFC in subsonic cruise flight. The ATR has
a highest TWR. The RATR has a TWR about 10 - 1§
percent lower in comparison with the ATR because of
heat exchanger weight and lower working medium flow
in the turbine. The TRJ and TFRJ have a TWR about 1.5
- 2 times lower (Fig.20).

The results of mission performance analysis are presented
in Fig.21ab. The highest second stage mass corresponds
to ATOS launcher with RATR propulsion plant in
accordance with good engine TWR and relatively low fuel
consumplion at maximum thrust rating (Fig.21a). The
second stage mass of only about 5 - 7 percent lower
corresponds to the system with TFRJ or TRJ. The lowest
second stage mass corrcsponds to ATR (about 12 - 14
percent lower in comparison with turboramjets) because
of worse fuel consumption which cannot be compensated
by low engine weight,

The mission performance results for HST are substantially
influenced by the presence of subsonic cruise. In the case
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of fully hypersonic cruise the lowest HST take-off weight
corresponds to the RATR power plant. Effectiveness of
other engine types is somewhat lower and nearly equal
(TOGW is higher by 18..20%). (Fig.21b). If combined
subsonic and hypersonic cruise is considered (subsonic
part is about 20 percent of total range), then turboramjet
engines reveal the lowest take-off weight (TFRJ gives
nearly 5% advantage in comparison with TRJ). Take-off
weight with RATR engines is about 1.8 times higher than
with turboramjets. Taking into account take-off noise
limitations. the advantages of TFRJ are even greater.
Thus. TRJ and TFRJ could be considered as universal
multimode engine types of hypersonic (up to nearly Mach
6) aircraft of different missions.

S. TRE OPERATION MODE CHANGING
CONDITIONS OPTIMISATION

At some flight M numbers the specific parameters of
turbine and ramjet engines converge. On the other hand.
TJ corrected airflow decreases with inlet air temperature
increase, while in the case of RJ it is possible to maintain
the corrected airflow constant. As a result the RJ thrust
increases vs M number more rapidly. than of the
augmented TJ type engines.

The high sensitivity of supersonic vehicles to the weight
of components requires identification of propulsion system
control methods which provide maximum vehicle
effectiveness. For accurate resolution of such problems
variation methods are normally used. As a result of
different variation of the combined ABE thrust and SFC
vs M number when operating on TJ or RJ modes there is
some flight speed during the acceleration trajectory. which
provides maximum efficiency for transition to RJ
operation according to some criteria.

Usually it is required to provide:
- minimum time spent for acceleration;

- minimum fuel required for the acceleration part of the
flight trajectory (for example, for TSTO first stage):

- maximum flight range (for example, for HST).

Only in particular cases does the optimum flight M
number Mo for transition of operating mode correspond
to the flight speed at which specific thrust parameters of
TJ and R} are equal to one another.

It should be mentioned. that it is possible to define the
appropriate flight M number for mode changing from
another point of view (for example.on the basis of
minimum dynamic influence on the vehicle or minimum
change of variable geometry components or from higher
life considerations, etc.). However the above mentioned
principle criteria are important for TRE working process
analysis.

3.1, Defining the Mo
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To obtain the corresponding equations we made the
following assumptions (8):

- changes of operation mode from TJ to RJ is
instantancous

- The acceleration trajectory is given;

- the air-to-fuel ratio at cach trajectory point is optimum
in accordance with the above mentioned cri-teria.

If the thrust vector is directed towards the tangent to flight
trajectory, then the acceleration flight time from point
(M1, HY) to point (M2, H2) of the trajectory:

He2 Wp
——dHe
Hel V(Tsum - D)

where Wp. V, Dp and vehicle propulsion system summary
thrust Tsum vary vs M(He). If M| < Mot < M2, then one
can find the optimum value Mot (for time criteria) by
resolving the equation:

Meo Wp
tmin "—;J —eeee. dHe
(

1 V(Tsumtj - Dptj)

He2 Wp
+ —_— dHe ()
Heo  V(Tsumyj - Dprj)

where “energetic altitude” Heo corresponds to Mot.
Minimum value of the (1) right part corresponds to
minimum values of functions under the integral. These
values correspond to an engine operating at maximum
rating in cach point of the trajectory. Because engine
thrust when operating in the RJ mode increases vs M
more rapidly than in the TJ mode, then the minimum
value of the right part (1) corresponds to the value of
variable integration limit Heo. at which functions under
the integral for TJ and RJ modes of operation are equal.
Geometry interpretation is represented in Fig.22, The
summary area under the curves of functions under the
integral, which is proportional to the time spent for
acceleration, would be minimum where the Heo value (or
Mo) corresponds to the point of intersection of the curves.

Transfer 10 RJ mode of operation is accomplished at
rather high M numbers, when additional inlet drag
decreases substantially. Then onc can neglect the
difference in overall vehicle aerodynamic drag at TJ and
RJ operating modes in trajectory point Mot. Consequently,
the Mot value corresponds practically. to the condition
when engine thrust values associated with T) and R)
operating modes become equal.
Tty = Trj.

Combined ABE always has somec structural clements
common to both parts (inlet, ARCC, external casing etc.)

with characteristic cross section area A,

Then equation for Mot definition is:




Tstj (Wcor/AXj
=0 (2)
Tsrj  (Wceor/A)tj

Then. the Mot value depends on the gas turbine part cycle
parameters, engine control law, correlation of both enginc
parts dimensions (for cxample. Ax/Ac). but it is
independent of flight trajectory and vehicle drag
parameters,

If with increasing flight M, the first member of the left
part of (2) decrecases and the second increases, which is
inherent to TRE. then the Mot value would be between
the M numbers corresponding to equal values of specific
thrust Ts and airflow (Mw) when operating in TJ and RJ
modes:

Mw < Mot < M1Ts or Mw > Mot > Mts.

If Ax/Ac increases at constant (Wcor/A)rj the ratio
Tstj/Tsrj

in equation (2) increases too. i.e. Mot value decreases.

Acting in the same way as previously, one can conclude
that the Mog number (transition to the RJ operating mode
which provides minimum fuel consumption), corresponds
to the flight speced when the relative 10 excess thrust SFC
values for both operation modes are becoming equal to
one another. The equation for Mog number definition is
as follows [8]): -
d.U(Mog)

Tsrj- —————
(Wcor /A)rj aij
= —{3

d.U(Mog) arj

Tstj -
(Wcor /A)
Where the values

d( U Mog)

(Wcor /A)

in the left pant represent the ratio of the vehicle acro-
dynamic drag to the summary airflow of the whole
powerplant (specific vehicle acrodynamic drag).

The value d is proportional 10 the vehicle drag coefficient
and inversely proportional to the sum of engine scction

arcas A for all propulsion sectors of the powerplant:

KPo Cp Ta\”

2 Asum/S \To
where Asum is the sum of areas A. S the wing arca.

Included in equation (3) the flight M number function
U(M) looks as follows:

k
2, k=1, M1 = h KT

1+ 250 M T

where intake efficiency hin is the ratio of airflow kinetic
energy after isentropic expansion from behind the intake
section to that of the free-strcam air-flow. The intake
recovery Sin values vs M and typical hin values arc
represented in Fig.23.

Thus, unlike the Mot number. the Mog depends also on
the vehicle acrodynamic perfection and its (T/W) ratio,
which is reflected by value d. If air-to-fuel ratios a on
both operation modes are cqual, then with value d
decreasing, the Mog number approaches the value at
which specific thrust values in both operating modes
become equal. With value d increasing, the Mog
approaches the value at which airflow values in both
operating modes arc become cqual. So. depending on
cycle parameters, dimension correlation and engine control
law, with d increase the Mog number can cither incrcase
or decrcase. The latter is more likely.

Using a similar approach an equation was obtain for
defining the Mol number, corresponding to maximum
range (8].

Being subjected to the influence of the same factors as
that of the Mog number, the Mol value additionally
depends on the trajectory altitude (dynamic pressure) at
the point of transfer to the RJ mode, the wing loading
factor and on the range factor (i.e. on vehicle L/D, overall
engine efficiency. flight speed at cruise). With improving
the vehicle quality at cruise (increasing L/D or engine
overall efficiency) the Mol number approaches Mog .
because it is profitable to redistribute the onboard fuel in
favour of the cruise part of the flight.

As was represented. the Mo numbers depend on the
variation of specific thrust and airflow in both TJ and R}
operation modes.

The TRE propulsion plant transition to the RJ mode
process depends on correlation between the airflow
characteristics of the variable geometry inlet and of both
combined engine parts.

As an illustration. in Fig.24 arc represented the typical
variations of maximum possible airflow in inlet at
constant altitude vs flight M number (lines for Ainl and
Ain2, and for this example it is known that Ainl > Ain2),
and also the curves of maximum airflow capacity for the
T} (curve "T") and RJ (curve "R") engine parts. One can
sec that the real propulsion plant airflow variation vs
Nlight spced would be defined by the correlation between
the air inlet and the engine part dimensions (i.c. fan or
compressor and ARCC cross section arcas).

If the cngine airflow in the transition to the RJ mode
proceeding is defined by the ARCC airflow capacity and
is not limited by the variable inlet, that is more specific to
the TRJ with its rather high specific thrust values in the
TJ operation mode. then suitable power plant governing
corresponds to maintaining the TJ part maximum rating
{curve "T™) up to point 1 at Mol. in which the transition
10 RJ mode of operation takes place. Then between points
2..3 the airflow corresponds to the ARCC maximum
capacity. and at higher flight M numbers is limited by the
maximum inlet airflow capacity. In this trajectory part the



best engine performances are provided by a corresponding
decrease of the critical sections of inlet and nozzic.

For the TFRJ type of TRE (with rather low specific thrust
in the TJ mode) the tiansition to RJ operation mode
process is (o a greater extent characierized by the limiting
of the engine airilow by the inlct llow capacity (line Ain2
on Fig.24). In this case the transition to RJ mode process
consists of gradual derating of the THTF) part in some
range of flight M number up to TI(TF) switch off. In the
transition proceeding the air-to-fuel ratio in the ARCC
should be maintained at maximum rating. The power plant
control law in this process is defined by the accordance of
the inlet and engine variable geometry elements with the
condition of providing the minimum pressure losses and
the necessary surge margin. The transition begins at flight
M number, when the engine airflow approaches the limit
of the inlet airflow capacity (point 4), and finishes with
the TJ part approaching windmilling mode. In this case
the optimum Mo numbers on various “energetic” criteria
coincide.

5.2. Mo numbers for TRJ

The influence of various factors on Mo number analysis
was performed for TRJ (Fig.25) on the basis of the
equations obtained.

The minimum time spent for vchicle acceleration
corresponds to the maintenance of minimum air-to-fucl
ratio values atong the acceleration trajectory. The range of
possible Mot numbers is limited by values of Mw and
MTs. The equal engine nozzle pressure ratio expansion
values in both operation modes correspond to the latter.

The Mw number. at which the airflow values in both
operating modes become equal. depends on the engine's
design cycle parameters. its control law and the
correlation of the engine part dimensions.

In Fig.26 as an example the typical MTs and Mw number
variations vs design engine compressor pressure ratio are
represented. If we increase the compressor work by
opening the nozzle, the curves for MTs and Mw draw
together because of a decrease in TJ operating mode
specific thrust and an increase in airflow. This is
illustrated by curves corresponding to critical nozzle arca
increase by 20% (An* = 1.2). The curves mentioned in
Fig.26 correspond to equal corrected stream velocity at
ARCC inlet for both operation modes. Increasing the
airflow and stream velocity at the ARCC inlet in the R)
operating mode decreases the Mw numbers.

To define the engine ratings corresponding to minimum
fuel spent during the vehicle acceleration phase one can
use the idea of "instant acceleration efficiency” as the
ratio of vehicle mechanical energy increment Lo engine
thrust work within infinitesimal time. which, bearing in
mind the approximate correlation for the wvchicle
mechanical energy deriva- tive on time equals (8):

dEp Dp
ha =-veeceencenanee =]-

Tsum.V.dt Tsum
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The ha efficiency characterizes the pant of the useful
engine thrust work which transmits to the vehicle
mechanical energy

Similarly, by defining the instant overall acceleration
efficiency hoa as the ratio of vehicle mechanical energy
increment to the energy of fucl spent in the propulsion
plant within infinitesimal time one can obtain that hoa
cequals the product of engine overall efficiency and instans
acceleration efficiency:

Dp
hoa = ho .a = ho.

e

Tsum

The minimum fuel spent in the vehicle acceleration phase
corresponds to such engine control laws, when at each
acceleration trajectory point the maximum possible hoa
value is provided. Such propulsion governing cor-
responds to the minimization of SFC related to excessive
thrust. These minimum points displace to the right (on
lower air-to-fuel ratio values) along the engine rating
curve SFC(T) relatively to usual SFC (relative to inner
thrust; minimum points. From the fuel-spent point of
view, in practically possible cases the optimum engine
rating in the supersonic part of the acceleration trajectory
coincides with the maximum (afterburning) ratings [8].

TRJ Mo number calculations were performed at constant
values of air-to-fuel ratio ( a = 1.2), ambient air and
turbine inlet gas temperatures.

Fig.27 shows the dependence of Mo numbers on design
compressor pressure ratio. The presence of maximum
points on curves for Mot and Mog is explained by
compressor pressure ratio variation contrary influence on
specific thrust and air-flow on TJ operation mode. When
increasing the design turbine inlet temperature value the
maximum Mo numbers displace to the higher design
compressor pressure ratios, and the Mo numbers
themselves increase because of, mainly. the relative
decrease of ARCC dimensions and corresponding decrease
of thrust in the RJ operation mode (Fig.28). If it is
possible to increase the compressor work while
maintaining its efficiency at the initial level then the
optimum Mo values also rise hecause airflow and thrust
increasc in the TJ operation mode. This is presented in
Fig.27 by curves corresponding to the nozzle throat area
increase by 20% (An* = 1.2).As follows from the Fig.27,
at typical values of d = 45...90 kPa the Mog values are
close to the Mot values, being somewhat higher than the
latter. The curve for Mol number (dotted with points line)
practically is analogous to the corresponding curve for
Mog numbers.

The dependence of Mot and Mog numbers on the ratio of
the ARCC cross section arca to the compressor inlet arca
is shown in Fig.29. The optimum Mo numbers decrease
when the Ax/Ac valuc increases and are lower than the TJ
"degeneration” Mach numbers. When the air-to-fuel ratio
is given. then the main factor by which, in a powerplant
with variable geometry inlet and nozzle, one can vary
thrust performance in R} operation mode is the airflow.
Increasing the flow velocity at the ARCC inlet while
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maintaining the inlet efficiency leads to thrust increase in
the RJ operation mode and consequently to Mo number
decrease (Fig.30), in spite of the somewhat worse engine
specific parameters. This enables forcing of the TRJ on
air-flow capacity in the RJ mode as a method for lowering
the flight M number for transition to RJ operation mode.

TRJ performance analysis has revealed that typically
optimum Mach numbers for transition to RJ flight lie in
the range of 2.5...3.5 and because of higher airflow in the
RJ mode as a rule the Mo number is lower than the TJ
"degeneration” flight Mach number, i.e. at Mo there is a
difference in total pressure values behind the TJ and RJ
engine parts in favor of the first. In this case, adequate
control of the propulsion system is needed to provide
stable operation in the transition mode.

CONCLUSION

Theoretical investigations and computational modelling of
air breathing powerplants for M = 4...6 have included the
classification and performance analysis of various types of
turboramjet engine. An approach to the theoretical design
and construction of the engine configuration was
produced. Comparative analysis of the merits of various
ABE types being installed on future hypersonic vehicles
with cruise and acceleration flight trajectories has revealed
the advantages of TRJ and TFRJ as universal variable
cycle engines for high flight Mach numbers. Optimisation
of specific TRE transition mode conditions along with
other investigation results give an approach to engine
governing in the operating modes and the basis for
formulating the requirements for experimental TRE and
the problems of their investigation.
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RESEARCH AND DEVELOPMENT OF RAMJETS/RAMROCKETS
PART 1. INTEGRAL SOLID PROPELLANT RAMROCKETS

Prof., D. Sc. V. Sosounov
CIAM (Central Institute of Aviation Motors)
2, Aviamotornaya St.
111250, Moscow,
Russii

INTRODUCTION/SUMMARY

Solid propellant  ramrockets (SPRR)
combines the exclusive operational advantages of
solid rockets with high fuel efficiency as being air
- breathing type of engine.

The specific feature of SPRR which differs
from liquid fuel ramjet is the arrangement of ram
- combustor in which the products of primiry
burning of solid propellant inside the gas
generator :are injected through some nozzles and
reburn (fig. 2.1). By this process not only the heat
is released but some ejection effect appears which
increases the front area specific engine thrust. So
the direction gas generator nozzles axes must be
arranged mainly along the main ram combustion
chamber airflow.

The second feature of SPRR combustion
process is that the gasified products of primary
burning gas generator reburn in ram combustor
as turbulent or quasi turbulent gas flames. Usually
there is no need in some special flimeholders.

All these special features lead 1o some
peculiarities of inserted booster case or grain
arrange it and to rather complicated zasitied fuel
supply devices.

The third special (negative) feature of
SPRR is the constant or programmed fuel supply
rate during the flight. So the problem of SPRR
fuel flow rate control arises.

This lecture contains  such items of

discussion:

- Integration of SPRR with booster rocket
engine.

- Energy capabilities of different ramjet solid
propellants and their application.

- Effectiveness of fuel secondary combustion in
ram combustor.

- Model and full scaled ramrockets ground
testing.

- Fuel flow rate control in ramrockets.

NOMENCLATURE

A - area;

a - velocity of sound;

Cy: = F,/q, - thrust coeflicient;

D,d - diameter;

F - thrust;

F, = F/A;, - frontal area specific thrust;

F, = F/G, - specific engine thrust (per | kg/s
airflow);
G - mass tlow rate;

H - altitude;

Ht = Hu/(1+L ) - max heat capacity of
combustion products (by a = |)

Hu - mass heat of combustion;

Hv - volumetric heat of combustion;

l mass specific impulse;

I, - volumetric specific impulse;

L - length;

L, - stoichiometric ratio;

M - Mach number:

m - nss;

N - number of nozzles. injectors, holes;

P - pressure;

q = pv¥/2 - dyimamic pressure:

G(A) = A*/A - ratio of ¢ntical to current crost-
section;

Q - heat of combustion without r;
R - gas constunt;

r - range;

T - temperature;

t - time;

V - volume;

v - thight velocity;

w - air, gas velocity;

a = G,/L,G, - equivalence air-fuel ratio Gur
excess coefficient);

[§ - cquivalence fuel-mir ratio (3= 1/w):

€ - erosive burning augmentation ratio;

1t - fuel combustion completeness;

N, - secondary combustion completeness;

A = w/a* - dimensionless velocity coefficient;
p - relative tuel mass;

v - burning rate pressure exponent;

p - density;

o - pressure recovery factor;

INDICES
4 - i

b - burner, combustor;
¢ - corrected:
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cb - central body;
eq - equivalent;

f - fuel
fl - fliame;
g - gas;

g8 - gis generator exit;
n - nozze;
p - propellant;

t - total;
o - nominal value, infinity;
opt - optiniil;

( )* - critical value;
(7) - reliative value, mean value;

[ ] - references placed at the end of lecture;
I - booster stage;
Il - sustain stage;
ABBREVIATIONS

ABE - air breathing engines;
GG - gas generator;

LFRJ - liquid fuel ramjet;
LR - liquid rocket;

PR - pressure ratio;

PS - propulsion system;

RJ - ramjet engine;

SPRR - solid propellant ramrocket;
SR - solid rocket;

I. INTEGRATION OF SOLID PROPELLANT
RAMROCKET WITH BOOSTER AND
MISSILE IMPROVEMENT

Since the SA-6 missile was put into
operation in 1967 solid propellant ram rockets
(SPRR) have been largely improved in different
countries. The investigations were pursued nuinly
in the following directions (Fig. 2.2):

-increase of ramjet propellant energetic:

-improvement of a booster;

-development of different ways of propellant
consumption control.

Thus, it was shown that the use of boron
instead of magnesium and aluminium provided
1.5 increase of gas generator propellants mass
combustion heat and more than double increase
volume combustion heat. The formulas of special
propellants  having an index of a power in
combustion law v = 0.5 - 0.7 and meant for use
in - gas  genertors  with  solid  propellant
consumption control have also been developed.

Booster improvement has been performed
mainly using grains bonded to the combustion
chamber walls according to cast technology
adopted in solid propellant rocket engines (SR).
This allows to increase volume filling of a booster
combustor by 7% in comparison with insert

grains. The intensive studies of nozzleless boosters
are being conducted and the practical results in
them introduction for aviation nussiles SPRR
hiave already been  obtained. Their  main
advantage is the absence of jettisonable structural
components that is of great importance for this
class of missiles.

Great attention was being given and is
currently being given to investigation and
development of different ways of solid propellant
consumption control  on  cruising  regime.
Especially that concerns the problem connected
with the development of the effective and reliable
design of controller allowing to perform control
according to wrbitrary program. Just the absence
of such structure restrained till lately the use of
SPRR on air-to-air missiles. Now there are
certain achievements in this field.

Introduction of all these achievements
allows  to  improve  substantially  thrust -
economical performance of SPRR and to widen
the area of their application.

Integration_of” sohd _propellant_ram rockets with
booster engine

It 1s preferable 1o use integral SPRR on
small or medium air-to-air and ground-to-air
missiles. The principle of integration of solid
propellant booster and cruising ramjet in a
common configuration allowed to realize in the
best way the combination of simplicity, reliability
and small size of a solid propellant booster with
the high fuel efficiency of the simplest engine of
atr-breathing type. In this case placing the solid
propellant of the booster engine in the ramjet
combustor is due to the overall small volume of
these engines. That 1s an important factor under
conditions of strict overall dimensions limitation,
which are characteristic for aviation nussiles and
snall guided anti-aircraft nussiles.

In the most full measure the low volume
factor takes place in SPRR due to relatively high
density and ejective eftect of its propellant. In
range of tlight Mach number of 2-4 typical for
advanced aviation missiles the integral SPRR has
2-4 umes as much specific impulse than the
rocket engine has at sea level. That is defining
tactor for long-range missiles. The cruising SPRR
running for a long time allows the missile to
develop high averaged speed on its trajectory and
provides its high efficiency. Placing the solid
propellant booster in the combustor of integral
rmnjet  permits  to  reduce the volume of
propulsion system (PS) by 30-40% in compirison
with scheme of tandem arrange and jettisonable
booster.
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According * to  structural indications the
booster SR of integral SPRR with a common
combustor can be classified in the following way
(Fig. 2.3):

- the booster SR with insert grain and
ejectable nozzle (PS of the SA-6 missile can be
considered as an example);

- the booster SR with case bonded grain
and ejectable nozzle (an example is PS of
ASALM);

- the nozzleless booster |1,2,3).

The design of integral ramjet with booster
grain placed directly in a ramjet combustor has
been studied in the USA from 1974 (ASALM
program and others). In this case grain is either
inserted or filled into ramjet combustor. The
variants when grain is placed simultaneously in
combustor amnd inlet diffuser of rumget engine are
also conswdered

In all considered cases after SR burn-out,
its nozzle, cowlings and plugs are ejected or fired
downward.  The necessity of  structural
components ejecting on the transient regime is
one of substantial basic drawbacks of the studied
PS schemes for aviation missiles.

In order to eliminate these drawbicks
United Technologies’ Chemical Systems division
proposed a new concept of imtegral rumjet
arrangement - using the nozzieless SR,

Till 1976 all programs on iutegeal raniel
called for using only the booster SR with
ejectable nozzle. Such engines were ground and
flight tested. As a result, the most part of
problems  concerning  developmenmt  of integral
ramjet was solved though at the expense of mass
and structure  complexity increase, rehability
reduction and PS cost growth. The main
difficulty, which couldn't be overcome in any
way, consisted 1in danger to entimil damage of
carrier aircraft by ejected from the engine
compodiiets of - SR booster The logic solution
of this problem was the use of a nozzleless SR
booster.

The application of a nozzleless SR booster
simplifies the missile and reduces its cost, and the
main thing consists in elimination of ejectable
components that fly around the aircraft during
the missile launch and also in elimination of a
danger connected with the fall of these
components on the ground.

Detinls of nozzleless boosters development

The feature of a nozzleless SR is the
absence of a nozzle and a rear bottom in their
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common understanding. The rozzle is formed by
the solid propellant grain itseli, Grain burning is
realized on the duet swefce a4 radill dieecticn
The throat is at the end of grai. Juct, but it can
move upstream and downsiream during grain
burning. The typical scheme of a nozzleless SR is
shown in Fig. 2.3.

Application of nozzleless SR and integral
ramjet is conditioned by a number of advantages
in comparison with a standard engine with a
nozzle. These advantages include:

- operational merits (absence of ejectable
structural components);

- structure simplicity;

- higher reliability:

- low cost.

Natupally - the  mozzle  dbseiwe  ciuses
noticeable reduction of the nozzleless SR thrust
specific impulse in comparison with the engine
having nozzle. Real specific impulse of a
nozzleless engine is usually equal to 75 - 85% (in
the best case it can achieve up to 90%) of the
engine with a nozzle thrust specific impulse
value. The ditference is explained by not only the
absence of a contoured nozzle. Performance
degradation also takes place because of low
operating pressure in  combustor during the
second half of engine operation. Though engine
operationt stants ut high pressure, during  the
process of grinn burn-out pressure can drop to
13% from ats maximum value, It this case the
enging thrust can vary difesently depending on
the index of a power v in the equation of solid
propellant grain burning:

G, = Kp, S, (0

where
Gp - gasified propellant consumption, kg/s;
K - coefficient, m/s;
pp - propellant density. kg/m?;
S - burning surface, m?;
P- pressure i gas generator, kPa.

The nozzleless SR booster thrust in such
case can be constant (at v = 0.5), can change
progressively (at v < 0.5) or degressively (at v >
0.5) as it is show in Fig. 2.4.

With given engine overall dimensions the
less specific thrust impulse of a nozzleless SR can
be compensated by the propellant mass increase
due to filling the propellant into the volume that
earlier was occupied by the nozzle unit. When
the parameters of a nozzleless SR are chosen
rationally, its full thrust impulse can be equal or
even higher than one of an SR with a nozzle.
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True, the mass of a grain loaded nozzleless
engine in this case will be slightly greater.

The ideal propellant for a nozzleless SR
significantly differs from the propellant for the
engine with a nozzle. With the exception of
engines with high length-to-diameter ratio (L/D
2 15) the burning rate of propellant used in a
nozzleless engine must be substantially higher in
order to exclude long-duration non-effective
propellant burning at low pressure. Physical-
mechanical characteristics of a nozzleless SR
propellant also must be higher. At low operating
temperatures the ability of grain to deform
without destruction has to be very good to
provide optimum values of the coefficient, which
characterizes the filling of combustor with the
propellant. At high operating temperatures the
propellant used in a nozzleless SR must have high
allowable shearing strength so that grain could
stustain large loads conditioned by high pressure
difference between front and rear parts of engine
combustor.

One of the consequences of such higher
requirements to characteristics nozzleless SR
propellants is the fact that the propellants
themselves become more expensive, but not as
mtch to lose gain in cost of development and
manufacture of a nozzleless SR in comparison
with a standard SR. It also must be taken into
account that structure of nozzleless SR grains is
substantially simpler and, hence, these grains are
less expensive in production than grims of
standard SR.

Consumption thrust characteristics ol a
nozzleless SR depend on used solid propellini
properties, such as gas constant and temperature
of combustion products (R, T), propeliant
densities (pp), burning rate (Up), coefficient v,
dimensions of engine (L, D) and environmental
conditions (pressure, grain temperature ete.).

Design of interballistic and thrust characte-
ristics of nozzleless SR must be performed with
taken account of larger number of factors than
for SR with a nozzle. Among them the following
ones should be marked.

1. Erosion burning of solid rocket propellant
under condition of gas stream speeds change
from zero up to supersonic.

2. Unsteadiness of grain burning process.

3. Non-efficiency of propellant burning,
especially when it is metallized because the
particles residence time in combustor is very
short.

4. Movement of throat section during grain
burning.

5. Two-phase flow,

6. Changing of solid propellant grain duct
contour and the duct diameter including throat
section.

Importance of above mentioned factors is
different in the beginning, the middle and the
end of engine operation.

Availability of the sustainer ramjet nozzle
favours the performince improvement of
nozzleless SR integrated with SPRR.

In order to define the characteristics of
nozzleless SR there were developed programs of
parameters calculation in quasi-stationary and
non-stationary tasks.

Taking account of solid propellant erosion
burning becomes the important part of these
programs. For this we use criterion functions of
the form:

where

¢ - coefficient of solid propellant
buming e = U /U

U, - propellant burning rate when burning
surface blowing over by gas stream is absent;

Ul, - propellant burning rate under conditions
of gas stream blowing over:

pe - gas density;

Wy - gats stream velocity,

Cy, - friction coefficient on the plate without
blow - in:

erosion

Cy, = 0.0592 Re, 2,

Re, - Reynolds number for which defining the
grain duct diameter d is used as a typical size;

€, B, pm - parameters, which are defined
experimentally,

In Fig. 2.5 there are shown typical criterion
functions on c¢rosion burning for mixed and
double-base  solid  rocket  propellants  with
indications of a nozzleless SR and an SR with
nozzle operation areas. If for the SR with a
nozzle erosion propellant burning practically is
not admitted: € < 1.10 - 1.15, then for the
nozzleless SR the area of operating to ¢
practically is unlimited. It should be noticed that
mixed solid propellants are subjected to erosion
burning in a larger measure than double-base
ones.

Application of nozzleless SR under certain
conditions, as assessments show, can allow to
reduce the total cost of the engine by 10 - 20%
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to increase maximum flight speed at the end of
booster operation by § - 15% and eliminates the
necessity of nozzle ejecting during transition to
cruise regime.

2. RAMROCKET SOLID PROPELLANTS
AND THEIR APPLICATION

The possibility of using significantly
different fuels and oxidizers in solid propellants
of ramrockets requires the development of special
methods to reveal energetic potential of the
propellant in the propulsion-vehicle system with
allowance for specific conditions of the missile
application.

For propellants of SPRR there is no any
single energetic index under which the propellant
may be selected. Many things depend on specific
dimension - mass restrictions and condition of
application. In the general case the energetic
potentiials of solid propellants of ramrockets are
characterized by the following main indices: a
volumetric combustion heat - Hv: a mass
combustion heat - Hu: a density - p,i o
stoichiometric coefficient - L,; a natural impulse
of the first burning products following out of the
gas generator - 1, as well as a heat capacity H,
= Hu/(1 + L) cietermining the maximum heat
release per | kg fuel - air - mixture i
stoichiometric ratio (a = 1).

All these indices in some extent or another
have influence on three main parameters of
ramrockets: a thrust coefficient (Cy), volumetric
and mass specific impulse (1, and 1) and finally
on the flight missiles operation.

Propellants for SPRR are considered in
references |1 - 3|.For the most detailed review
see [4].

SPRR propellants

It will be remembered that the propellant
composition of SPRR can theoretically chianged
from the composition typical for SR propellant
containing up to 70 - 80% oxidizer) to ramjet
solid fuels without an oxidizer. For integral
SPRR, which are initially accelerated by SR
booster and SPRR operates on a sustain regime,
the solid propellants containing ultimately a large
number of fuel components (to 75 -85%) and the
minimum quantity of the oxidizer (15 - 25%).

Solid propellants of ramrockets have as a
rule three main components an oxidizer, a
metallic fuel and a fuel binder. Nitrate natrinm
NaNO; and nitrate kalium KNO,, perchlorates,
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for example, ammoum of perchlorate NH,CIO,
are used as oxidizer. For the advanced boron-
containing fuels the fluorine - base oxidizers
(fluoroplastics, fluorine  rubbers) are also
considered. Different hydrocarbons (naphthalene
CoHy, paraffin C; Hq4, rubber, etc.) are used as
binders. The solid compounds such us B - C - H
(carboron) etc. refer to advanced binders.
magnesium,  aluminium,  their  alloys and
metalloid boron are generally used as metallic
fuels.

Fig. 2.6 compares a general picture of solid
propellant development with liquid fuels. From
all possible variety of propellants one may select
the following characteristic groups of the
propellants, to a great extent differing in
properties and energetic characteristies (Hv. Hu,
H.p. L, etc.):

a) "magnesium” propellants containing up to 60
- 70% magnesium (are labelled "Mg" in Fig. 2.6);

b) "aluminium” propellants containing up to
60% aluminium ("Al"),

¢) "hydrocarbon” propellants containing up to
60% hydrocarbon fuels ("C - H");

d) "carboron” propellants containing up to 60%
carboron ("B - C - H");

e) "boron” propellants containing unbonded
horon up to 30 - 55% ("B").

These propellants  are characterized by
growing values of heat of combustion Hv and
Hu. There is a great number of propellants of
intermediate compositions.

To reveal the most effective propellants,
the energetic potentials of a sequence of
theoretical propellant  receipts  were analyzed
around  which the conclusion can be driawn
regarding the effectiveness of one component
introduction or another.

The composition and the main properties
of the characteristic propellants are tabulate in
Table 1 and 2.

The given typical series of propellants
makes it possible to find out the effectiveness of
the mutual replacement of different components:
metals (Mg, Al) and metalloid - B, hydrocarbon
and boron containing binders when using either
nitrate natrium (up to 20%) or ammonium of
perchlorate (20 - 25%) as oxidizer. The quantity
of metal and fuel binder is varied from 60% to 15
- 20%. Naphthalene and paraffin represent a set
of hydrocarbon compounds with ultimately low
(6.3%) and ultimately high (14.8%) hydrogen
content by mass. Aluminium - magnesium alloy
Al/Mg (AMA) is often used in propellants of
ramrockets.
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To analyze energetic potentials  of
significantly different propellants of ramrockets
within the range of flight velocities and altitudes
(M<S-6and H<30-35km)in which the
missiles with ramrockets operate already, the
following simplest method of the specific
parameters comparison of ramrockets has been
suggested. The method of the propellant mass
redistribution between the booster and sustainer
stages of the propulsion system and vehicle and
the comparison method of the missile sustiined
flight range on the characteristic trajectories
under typical dimension - mass restrictions of the
missile armament,

Comparison of Ramrocket Specitic Parameters

The specific parameters of ramrockets :re
calculated by the nternal thrust with full heat
generition in a combustor on a design nozzle
flow discharge regime using the standard
characteristic of the intake. The coefficient of the
thrust is reliated to the intake entry area.

Fig. 2.7 compares the specific parameters
of ramrockets; Cy,l,, | of solid propellants (Table
1) at different coefficients of air excess (o) in the
engine.

As known, the ramrockets may operate
stablely both in the a > | regime area and in the
a < | area.

It is obvious that C; is increased with
decrease in the coefficient of air excess for all
propellants. On the regime of a = 1 the C,
highest coefficient of thrust is observed with the
magnesium - base propellant "1°, having the
lowest stoichiometric coefficient of L, = 3.89.

In the a > | operation regime area the
lowest values of the specific impulses Iv and [ are
noted for the magnesium - base propellant "[”
and the highest ones - for the unbounded boron
- base propellant "9",

For more illustrative comparison of the
combustion heat of Hu and Hv propellants with |
and 1, specific impulses transform the diagram
(Fig. 2.7), relating all the propellants to the
parameters of propellant “1" at the same values of

This Figure shows such peculiarities: 1) The
Ci. value for the magnesium-, aluminium-,
hydrocarbon - base propellants (1, 2, 3, 6) is
approximately  characterized by the gas
temperature level (particularly, at high value of «
) and a chemical composition of combustion

products, dissocustion etc. have an imfluence to a
small extent.

The curves of the appropriate propellants
in Fig. 2.8 prove to be near - vertical Contrary
to this group of propellants, "boron” propellants
(8, 9y have the advantage that perimts a
sigiificant increase i the engine ethciency
namely, the increase | (propellant ¥) or ||
(propellant  9) to be obtmined at  moderte
coefficient of thrust. Tlis feature of bhoron
propellants 1s  caused by the absence of
dissociation wt  low temperatures and therr
outstanding energetic indices are realized to a
great extent. At high values of C,. and gas
temperatures the boron propellants approach
their indices to the other as the processes of
dissociation and phese transition among them
show up much stronger.

Evaluation of Fhght Range

Perform an the first  approximation 2
comparative evaluation ot the nussile thght range,
using the different  propellints,  for two
characteristic flight trigectories: low - efficient
low (H=0) and highest - efficient high trajectories
on which the maximum ringe may be ichieved.

Although i supersonic flight at low altitude
1s rather etficient because of high aerodynianmic
drag of a velucle, however, such a fhight is o great
mterest i view ot the ditficulty of o missile
detection.

On the etfictemt lugh trajectones the range
1s described by the known equation

r=Kvlin L
-y

and at the low flight trajectory is described by the
simplest relation:

r=vt.
Here K = L/D is lift to drag ratio.

It will be remembered that the flight for
the maximum range is made on the regime of the
Kinax, maximum L/D ratio with gradual climbing
and continuous decrease in aerodynamic drag in
flight time namely, the flight takes place with a
gradual decrease in propellant flow rate caused
by a reduction in vehicle weight with a propellant
utitization. At low flight trajectory the propellamnt
flow rate remains unchanged as the drag and
thrust retained practically constant (although the
vehicle is also  lightened). It is  physically
associnted with the fact that at low altitude the



Mght occurs with ultumately low angle ol atrack
and i thas area the ehange in velncle mass does
not aftect practically the drag and the required
thrust,

Neat turn our attention to the comparison
results of energetic potentials of propellants on
the vehiele

Compaason at the mussile mass = idem
(Fig. 29)

Frg. 2.9 gives the dugram of the relatnve
change of flight range and volume of fuel tink
for ot case of an equal of a mussile miss. The
dizgram s given under clhinges of the engime «
coetficient  As previously, propellint "1™ 1s tuken
s o basic one 1as typical that, af the missile
mass s retamed, the regalartties m change of the
range both tor low and high trygectories are the
s,

As we see, the most ringe 1 192
proportional to the  H - clange with some

decrease m the V, = 096 tank volume can be
provided by bonded boron - base propellant v

The carboron - base propellint "N nuy theoretr-
cally also provide o sigmficant increase i range r
up to 1 N6 however, o considerable enbirgement

of the fuel timk volume (V=1 3 s required by
reason of lesser density. Although alunmmmm -

base propeflnt "7 has the 'V, 08 nltmately
stiall volume ol tank, the range merement does
not exceed 15 - 189

The most energy - constining boron - base
propeflants even af markedly  decrease then
effectneness on augmented  regunes I
Iroweser, they have some advantages over the
others  (when  complete combistion ol 0
propetlant s considered).

Comparison at the missile volume — wdem
(Fig 2.10)

This case evidently conforms to a4 great
extert to modern concept of the mament
development - the retention of sizes, Luncher
dimension of  ddferent carners  (arcrafl, ship,
stationary or mobile compleyn, etc). In thas case
using the different propellimts  of rimrochets,
more comphicated regularities are observed.

Frg 210 dlustrates the dugram of  the
mutual change i range 1 oand total mass m ot a
mussile with pyp = 0.2 - 0.6 paramietnic changing
the relative mass of  sustain propellint and
constant mass of i booster yyp = 0.3 for € thrust
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coetficient lesel appropriste to an ol 3V on
propedhit "1 tor Tow and Tugh trgectony.

In these condimons of comparson the most
range T = L7 with 2 - 4% mcrease i nussile
miss may be provided by unbonded - boron
propellint "9" lo tlus case the v change
practically agrees with o growth i solumetne

impualse of 1 - 173 ¢l = 2y Rather nwnor

change m density o thas propellan (), | 04)
fed to o small varcition e missile nss by stage o
the propulston sssten and, as o conneguence o
rather shight ditterence i nmssile thght cange both
tor low and high tragectores

Propellant “10" with 0% Al and 307 B by
it energetic potentuls s most close to propedlant
"9 whide shightly gives wav to the letter i range
and nunssile moss

Propelbint - 727wl 600 AL mong
exannned propellants ot relative sl resenve ol
onboard fuel gy - 0D may provided o stable
tmeredase 10 ieht cange onoany sastam tagectones
and ol selected operation regimes ol e cngine
o luptop, oo

Carboron - base propellant "N hoas cather
good mdices of o range and mass especially ot
Lirge reserve ot onboard tuel (= 0.5 - 006) on
the economie autude regimes wath the ¢ 2 - 3
coctlicient of air excess,

The  propellmts with Iugh content
Indrocarbons 30 40 00 7) azainst propellant 717

may provide the roancrease to 10 - 207 with
stnuttancous reduction e nussile ness by 0 -
5.

As o whole, pertormed energetic analysis
of the propellant propulsion system - velucle
ssstem testifies tather ugh potentials  of the
ramirochets deselopment when usig boron - base
solid  propetlants oy well as aluminnim - base
propetlants

Although recentiv the boront - base sohd
propellants - became a0 subgect of a0 close
consideration m the mveshigations ot Russia,
Umted  States,  Germony,  however,  when
developmg the real objects with SPRR. the
designers and sciennsts had to deal with sold
propellants of which the mam fuels are well -

proved magnesinm, alommum and - different
Iy drocarbons
The  gesults  of  operating  process

nivestigation progrim - combustion ot model
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and fuel scale rimrockets on the standird solid
propellants with different content of magnesium,
aluminium - magnesium alloy and hydrocarbons
are  given in the following sections. The
investigations  have been carried out in CIAM
when creating and developing the specific SPRR
of supersonic missiles. The composition and the
basic characteristics of these propellants listed in
Table 3 somewhat differ from the propellants
taken for the theoretical cialculation and shown in
Table | and 2.

3. EFFECTIVENESS OF FUEL SECONDARY
COMBUSTION IN RAM COMBUSTOR

The process of gasified in SPRR gis
generator propetlant secondary combustion 1s a
new problem that has not studied very wzll. The
effectiveness  of such secondary combustion
defines propellant energy complete use and
influences by high grade on the final nussile
effectiveness. We must be in need to study
physical base of this processes, then develop ihe
working  methodology to  summanze  ll
experimental results, and to give
recommendations on  effective  secondary
combustion process orguzation - runrocket
engines.

In the 60s the large program of theoretical
imvestigations, model experimental studies and
full scaled demonstriators ground testing wus
fulfilled i Russia. For studying and development
of propellants, engines, nussiles test cells many
institutes design bureaus were involved. despite of
the only one mussile with SPRR now in service -
SA-6, large expenence in such type of engine wis
ginned. Many ideas and results from this round of
works mfluenced on the another field -
combustion of gasified tuel - hydrogen, metlhane
m ram combustors of combmed engines (see the
forth lecture of this series).

The most important scientfic results of
diffusion combustion process i ramrockets study
was described 1 the monograph, edited by
author 8]} In two next parts of tius lecture will
be given bnefly some results from this book.

Quasi Gaseous Ditfusion Combustion Mode

The specific of SPRR which differs from
SR or LFRJ engines is the reheat chamber
which the products of first stage propellant
buriing in gas generator going as hot jets must be

"For this monograph author and lus collegues Dr.
Yu. Annushkin were awarded in 1969 by
Zukovskiy Premium.

reburned with high efficiency and must produced
some injection effect. These features define the
out lines of combustion chamber and gas
generitor nozzles device which must direct the
hot fuel jets mainly in axial direction. The high
temperiture of the gasified propellant jets, ie.
1700 - 2500 K, provides self - ignition and stable
burning.

In the Fig. 2.11 are shown the equilibrium
composition of combustion products for different
typical propellants. It is not so much of han
(condensed) components: 10 - 30 %. Mostly it is
soot in very small particles: 0.03 - 0.3 mkm. The
burnming of such small soot particles must be
quick because of high temperature in flame. Last
part of magnesinm after the burning and
evaporiation in gas generator can have the size of
particles less than 10 - 25 mkm and must have
the secondary combustion distance by estimition
no more than 40 - 250 mm, re. rather small.

Two factors of subsequent expenmental
series show us that Kinetic factors were not the
himitation n the secondary combustion process in
SPRR combustion chambers:

1) High temperature working region: the air
excess coefficient was no more than a = 2 - 3.

2) Most experimental objects: models and full
scaled, were big enough (D, > 500 mm, L, > 500
- 1000 mm), <o the kimetic burnng was not
visible for practical purposes.

So we assume such a model of burning
process in SPRR:

1. The pnmary combustion products in gas
generiator after ejection  reburned o air as
turbulent diffusion flame, as pure gas flame.

2. Gas and condensed phases are i full
kinematics and thermal equilibrium.

3. All combustible elements, gaseous and
condensed, burned n the narrow flame front,
which is the shape of stoichiometric conditions
(rl” = l)

The picture of such quasi gaseous Nlames of
two jets flowing from gas generator through two
nozzles: d = 21 mm and 10.5 mm is shown
Fig. 2.12. Two times bigger nozzles give two
times longer flame, showing quasi gaseous
diffusion flame effect.

In the overwhelming majority of cases in
ram rocket the process of propellant secondary
combustion in ir will be mainly determined by
the diffusion mixing of the fuel jet with the air.

The combustor length required for full
propellant  combustion is determined by the
length of the diffusion flame generated i a



turbulent jet of the gas generator propellant
combustion products. That is why the model of a
quasi-gas diffusion flame can form a basis for the
SPRR combustor length determinition.

From the semi-empirical theo~ . the
turbulent mixing it is known that the :tcisity of
an inert gas turbulent jet mixing with an unclosed
co-current air flow s determined by the
relationships  of mixing flows velocities and
densities. When the reactable mixture of the gius
generator  propellant  incomplete  combustion
products mixes with co-current air flow, the
unclosed flume length also will depend on a
stoiclnometric mixture ratio L, determining the
relative air amount which will diffuse to the jet
axis at the end of the unclosed flame. Pressure
gradient along combustor (at constant mixtire
flow through the combustor outlet section) ilso
will mfluence the g generator  propellant
re.ctable combustion products mixing SPRR with
the i stream i the space limited by the SPRR
combustor walls. Miximg under such conditions
results tm the diffusion flame lengthening at a less
air excess coeflicient « than its average value o
m o turbulent jet at the unclosed flame end
which 1y deternvged  from  the  empirical
relationship tor L, = 4-0:

ag =25+ L3/L,

Al « = ay the outer boundaries of the
combustion products turbulent jet will reach the
combustor wall simultaneously with combustion
completion i the flame on the jet axis (Fig.

2.13). At < ;) the jet outer boundartes reached
the wall before completion of combustion on the
flame jet axis. At a — 1.0 the fume length must
theoretically tend to mfimty, beciause the entire
amount of the wir has to nux with gas generitor
propelling.

Thus, the ram combustor length, required
for the gas generator propellant full combustion
depends on o Lirge number of parameters. The
most important of them are:

a) engme operating regime determimed by an air
excess coefficient value o and by an wir iniet
temperature T ;

b) specification of used propellant deterimining
the value L, and the gas generator specific
impulse g

¢) relative critical values of the engine exhaust
nozzle area and gas generator nozzle (or sum of
nozzles)

_0 * _‘ L[]
A, = AYA, and Agg = Agg/Ah .
Reference 1s the inlet combustion chamber areq.
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The pattern of these parameters effect on
the flame length, determined by calculation for
the number of propellants, is shown in Fig. 2.14.
As one can see, the rise of T, and L, results in
the largest increase of the flame length. This
results from decreasing the relative velocity of
mixing gas generator gas flows and air at T,
increase. lyg rise causes the flame length decrease
due to mixing flows relative velocity increase. An
air excess coefficient when a > 1.0 reduces the
flame length with 0 rise due to reduction of the
diffusing air required amount at completion of
combustion on the jet axis and when a < 1.0 the
value of L, reduces because of lack of wir to
combustion.

ldealized Ramrocket Outline

The calculations show that at high flight
speeds when T 23500 - 600 K, L, > 1.5and a =
I the combustor length-to-diameter ratio (L,/Dy)
becomes very high: of the order of few tens and
even hundreds of relative length. To reduce an
SPRR combustor length 1t mikes sense 1o
substitute  one tlame for a large number of
diffusion flames that can be aclhieved by usmg a
multi-nozzle gas generator. Fig. 215 shows the
circumterence of a combustor of single-nozzle
gas generator wlich s equivalent to a mult-
nozzle one in terms of the diftusion flame. The
scheme of the correspondimg single-nozzie SPRR
1s shown in this figure 100.

By the equivalent length Leg o combustor
of the SPRR with a multi-nozzle gas generator
one should mean the SPRR combustor relative
length of o smgle-nozzle engine  wiich s
equvillent to multi-nozzle by all other parameter:

where d4, = d. /Dy, - relative diameter of the
SPRR centre body: N - nozzle number of the
gas generator.

n

So by the given dusmeter and length of
SPRR ram combustor we can arrange  many

nozzles of gas generator. the Leg. become big.
the secondary buriing completeness growth much
tume (2).

One can see that nozzle increase at given
required values of Ly/D, can result in substantial

merease of Leq and, hence, in a possible
realization of the Ly = L, required value at given
value of L,/D, mcluding low Ly/Dy values.
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Experimental data confirm the possibility of using
this method for the combustion length choice.

Summarizing of Secondary Combustion
Effectiveness in Different SPRR on the Base of
Equivalent combustor length

If Qg is the heat of primary combustion in
gas generator, so the effectiveness of secondary
combustion in ram burner n, can be expressed
by

200y
" I cbh

where n, - is the effectiveness of propellant

combustion in engine, O Q../Hu - is relative

heat of primary combusnon

A numerous experiments showed, the
combustion efficiency depends on length of flame

[" = Ly/Dy (Fig. 2.14). These results allow us in
engineering definition of a problem at engine
operating regime, propellant specification and
flight condition changes that only the flame
length to be determined and using the experi-

mental relation ng, = f(Ly/Dy) or ng = l(L g 1o
estimate the efficiency of propellant second iry
ram combustion. Numerous investigations have
given us such generalized dependence (Fig. 2.16).
On the base of such generalized dependence
there  was  developed the methodology of
calenlating secondiary combustion completeness
n. of SPRR ram combustor. Tluis methodology
made as » specidl software tukes o w..omu

engine size and construction (L. T, N, A

’tggl, type of propellamt (dg, L ) thglt wd

engine parameters, Mach number, T, air excess
coeflicient a. Of course this method need in
uniform spread of gasified fuel through the
combustion chamber cross section.

Two examples of application of this
method are given below.

In the Fig. 2.17 the propellant combustion
efficiency versus air excess coefficient o and flight
speed is plotted. Decrease of n value at a — 1 is
a natural result of flame length Lg rise and
combustion efficiency reduction at flight speed
increase as a result of T, growth, the mixing gas
and air flows velocities decrcase

. In the Fig. 2.18 the characteristics of two
multi-nozzle SPRR are compared. The first has

short camber length Ly, or has small number of
nozzles Ny, so its relative equivalent length Leg,
is low. The second one has the same diameter but
four times bigger chamber length L, = 4L, or
s gas generator has 16 times greater nozzle
number: Ny = 16N, at the same length L, =
Ly;. So the second SPRR has four times bigger
equivalent length L, ! As we can see in
the Fig. 2.18 the both SPRﬂ tried on the same
missile with regime optimization give essential
different results: "long" equivalent chamber (or
multi-nozzle) have very high  propellant
efficiency, bigger specific impuise, low o -
coefficient and as result bigger maximum Much
number.

So effective SPRR must be multi-nozzle
one,

4. RAMROCKETS GROUND TESTING

Types of SPRR Mixing Devices

In the Fig. 2.19 are shown possible SPRR
mixing devices divided 1n 6 groups.

The first group of engine does not conceni
SPRR proper because these engine live no gas
generator, but have practically open griin of
propellant. They can be used in some small
mussiles, drones and so on.

The second group (11, I, 1V) s
characterized by medium number of gas

generator nozzles (N, = 10 - 30). They are
simple and light, but have rather low burning
efficiency. They can be used on medium size
missiles  with long combustion chamber, by
medium Mach number. For instance, such type
device fas the Russian suriree to-air missile SA &
"Gainful”.

The third group (V, VI) - "super” multi-
nozzle devices. They are complicated, have rather
big duct pressure losses. But they have very short
chamber with high burning efficiency even at the
high Mach number flight. So such SPRR miglt
be applied on big-sized, high Mach number with
high specific impulse vehicles.

Most of above mentioned type of SPRR
nozzle devices were experimental studied on
CIAM test facilities.

Ground Test Facility

Most of experiments were conducted on
connected pipe facilities (Fig. 2.20). Their actions
are well known and clear from the Fig. 2.20. But



many-many methodology  particularities  we
introduced to have high accuracy in such
measurements as fuel flow, Impulse (thrust), air
flow, heat flux, fuel combustion efficiency etc.

Ground Test Development of SA 6 SPRR

In the 1950-60s the whole program of SA 6
missile and especially its engine development was
the epic work because it finished by the creation
the first in the world full integrated ram rocket
first using sustain solid propellant.

Here | want present only some results
showing the process of SPRR itself development
(no intake, no real nozzle, no flight tests etc.).

We have started with open grain engine
scheme, which seemed to us to be more simple
(Fig. 2.21). As it will be shown below the result
wis not very good. It was decided to use SPRR
scheme of engine with gas generitor,

In the Fig. 2.22 is shown the prototype of
SA 6 SPRR with variants of propellant nozzle
devices (N, = | - 4 - 12). The fourth right was
the best (see later). The results of combustion
completeness for both variants: Fig. 2.21 and 2.22
are shown in Fig. 2.23.

These experimental data  obtained with
magnesium propellant CH-1 show:

1) Using open end grain give rather bed result -
combustion completeness is not more than 0.7.

2) Using better of mixing devices by open griin
can rise the combustion completeness on 5 -
10 %.

3) The high level of combustion efficiency can
be achieved in the scheme of SPRR with gis
generator (ng = 0.9 - 0.95).

4) The rational choice of number and position
of gas generator nozzles (by the given chamber
length) can achieve the calculating data  of
generalized dependence (see curve | m Fig.
2.23).

5) The No 4 nozzle device was the best.

The developing the combustion process of
SA 6 missile SPRR promote achieve its excellent

quality.

Multi-Nozzle Complicated Devices

For special purposes, such as:
1) big size of SPRR (D),
2)2re|mivc short combustion chamber (Ly/Dp =
I -2),
3) high level of specific impulse and combustion
efficiency,
4) high flight Mach number
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we must use multi-nozzle devices of pylon or
mixed type (Fig. 2.19). The number of nozzles in
such devices might be of 100 - 200 and more.

There was realized the program of detailed
study of such nozzle devices (Fig. 2.24). The
object was to developed SPRR with shon
combustor and very high combustion efficiency.
Many variants were studied. The Fig. 2.25 shows:

1) The high secondary combustion efficiency n,
= 0.8 - 0.9 may be achieved at the combustor
length Li/Dy, =1 - 1.5,

2) Under the unifor.n spread of fuel in uir the
experimental data are near to calculated curves
derived from the generalized dependence.

3) The generalized dependence can be applied
to multi-nozzle of SPRR having N, from 1 to
100 -200 under requirement of wmiform spread
fuel in air,

5. SOLID PROPELLANT RAM ROCKET
WITH CONTROLLED PROPELLANT
CONSUMPTION

The problem on the necessity of a solid
propellant consumption control in SPRR his
arisen since & moment SPRR came into use. The
main tasks of the fuel consumption control in
rimjets generally are:

- the provision of the maximum values ot the
ballistic mussile efficiency cnterion on the whole
of flight regimes;

- the restriction in propulsion operation based
upon the condition of the imfike surge
prevention;

- the restriction in propulsion operation based
upon the condition of the engine and missile
elements strength (the inlet temperature and
dynamic pressure lunits):

- the restriction in engine operation based upon
the stuble propellant burning provision.

The optimization of the ballistic nussile
efficiency criterion is the most significant task
from all the above mentioned for SPRR.
Depending on a missile mission, the efficiency
criterion may be a launch range? or a flying
range’ (for air-to-air missiles) or a flying range
and average missile velocity (for air-to-surface
missiles), etc. Algorithm and program of the
propellant consumption control are selected
accordingly chosen criterion.

A launch rangg 1s a distance between a misstle carricr
and a target at the moment of the nussile launch.

A Niyving rangg is a distance between a missile carrier
and a target at the moment of its destruction.
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Unlike liquid fuel ramjets in which a liquid
fuel consumption is controlled by a throttling, the
solid propellant consumption control in SPRR on
cruising regime is a difficult technical problem
comparable with the problem of a propellant
consumption control in SR (by the way they are
solved by ti:e same manners).

The necessity of control is caused by the
fact that non-variable thrust SPRR significantly
yields to a variable-thrust engine in efficiency,
when it is moving along the trajectory with
variable H and M. The loss value depends on the
range of missile flight altitude and velocity
variations, namely, the sizes of area of the use by
H and M. The greatest variation range of these
parameters is typical air-to-air and air-to-ground
aviation missiles and guided anti-aircraft missiles.
Fig. 2.26 illustrates the typical area of the use for
air-to-air medium range missile,

For this missile the flight Mach number
and altitude are varied within the ranges of M =
0.8-3.6 and H = 0-25 km, and the optimum
value of the solid propellant consumption varies
3-5 times (Gp = Gpmax/Gpmin = 3-3). The
problem is further complicated by the fact that
for air-to-air and guided anti-aircraft missiles the
flight path is not known previously in most cases
as it is defined by a specific combat situation.

The method of control of the cruising
propellant consumption in an integrated SPRR
depends on a degree of a missile flight pati
definiteness. So, in the extreme case of the path
regularity the optimum program of the propellant
consumption control may be previously
calculated and built into a solid propellant grain
structure by setting the shape of grain surface (for
grains made by the cast technology) or by
manufacturing the grain as a set of individual
layers having different burning rate (for grains
made by the pressing technology, Fig. 2.27). If
the missile can fly alone several paths (previously
known), the control  process becomes
complicated as for each path it is necessary to
realize its optimum program of propellant
consumption control. Fig. 2.28 gives an example
of a partial solution of this problem. The SPRR
has a seven-chamber gas generator. Each
chamber is equipped with its own igniter. That
allows to realize the required optimum program
of the propellant consumption control, depending
on a path, by means of a certain choice of
sequence of separate chambers operation. In so
doing, all logic operations are performed on a
carrier boiard and transmitted to the missile at the
moment of launch.

The method of the propellant consumption
control by means of changing the area of the gas
generator nozzle throat is the most perfect but
the most difficult simultaneously. Fig. 2.29 shows
the example of realizing such a method. Here,
the area of the gas generator nozzle throat is set
by the position of a conic-shape center body. The
equilibrium position of the center body depends
on the command pressure value of the liquid
supplied to the sealed chamber of the regulator.

From the continuity equation (see equation

(1))
Py Ay
_ v oo el
G,=Kp,S Pm:—" T
it follows
| |
5 = KSpS Tsu]m= (_B_)m
14y . A. '
" Ay g2
where

n - coefficient of flow rate,

A;g - area of the gas generator nozzle throat,
Tgg - combustion products temperature.

So the solid propellant consumption is
eanal to
.

o-esfi

g

The properties of a system, using such a
control method, are basically determined by a
sensitivity of the solid propellant burning rate to
the pressure |

|

P = ng max _ G ;

d ng min P

The special propellants with rather high

values of v = 0.5-0.8 are developed for this

purpose (as a rule, v = 02-03 for usual
propellants).

The system of the arbitrary control allows
automatically to  optimize the  propellant
consumption during the missile flight along any
non pre known path and also to parry the effect
of initial grain temperature. The difficulty of this
system realization consists in a selection of
thermal and erosion resistance materials for a
center body and “"cavity” of gas generator nozzle.
At present the prototypes of such control system
have been developed and are being developed.
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Onboard power sources are required for
their function as well as rather sophisticated
electronic devices, generating the control signal
depending on the flight condition. As a result, the
passive mass and dimensions of controllable
propulsion increase, Therefore, the use of the
arbitrary comtrol is reasonable in the case when a
significant propellant save is obtained, namely,
the ballistic missile efficiency is improved

The inter-engine parameters control of
SPRR is considered the simplest. In this case the
control systern measures air flow through the
engine, being a function of the form:

G.’l = Phin r(“' Tln' A;)'

and  establishes  a  propellant  consumption
appropriating to the optimum value of the air
excess coefficient

GP T GuL )
apt *o
where
Phin - static pressure at the combustion
chamber,
T, - total temperature at engine intake,

* oD 0
A, - engine nozzle critical section area.

The optimum value of air excess coefticient
may be calculated based on a total mathematical
model of the engine-missile system. Fig. 2.30
gives the example of such a calcukttion for air-to-
air medium-rimge missile. The flying range is
rather as a criterion of the ballistic efficiency.

Fig. 2.30 illustrates the flying range
different altitudes against a It s seen that for
each altitude there is its own value of o range of
a missile. In the real missile flight the current
flight altitude H either is measured directly or is
determined by a static air pressure value at the
combustion chamber inlet Py, Value G, s
achieved by the setting and maintaining of the
gas generator pressure ng by a flow regulator
(Fig. 2.29).

The considered system of the automatic
control is the simplest. There are more
sophisticated systems including the elements of
the missile dynamics (for example, the axial
overloading) into  control algorithms. The
calculative  investigations  showed that  the
arbitrary control might provide the gain in the
ballistic efficiency to 40%.
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CONCLUSION

The first full integration missile with ramjet
using solid propellant SA-6 till our time it is the
only one SPRR missile in operation. Meanwhile
many missiles using liquid fuel are under
operation. But the main advantage of SPRR over
them remained: it is the “solidity" of its
propelinnt, and subsequently exclusive operuhility

Scientific and developments programimes of
SPRR are going in many countries: USA,
Germany, Russia and other, most of these objects
are experimental. It is necessary to mention the
results the scientific investigations in  some
country of the boron, as one of the most
promised combustible element and other new
untraditional solutions.

The author believe that the accumulated
"global” SPRR experience and also Russian
theoretical and practical achievements is SPRR
well lead to creation a new generation of
untraditional effective missiles  examples using
solid propellants.

ACKNOWLEDGEMENTS

The author is indebted to CIAM colleagues
for the available mateni!s and for help of its
preparation: Dr. V. Alexiandrov (1. 5), Dr. A.
Repnikov (2), V. Sidorenco (1) and also Dr. M.
Mikheenko, Mr. V. Grachev, Mrs. L.
Zhemuranova, Mrs. M. Sapronova for their
pernuinent assistance.

The greatest gratitude | must address to
Dr. Yu. Annushkin, the most talented among my
disciples and  colleagues, whose excellent
contribution to solid propellant ramrockets
research and development was invaluable and
who has gone from us so surprisingly.

REFERENCES

I. D.P. Harry. Status of Nozzleless Solid Rocket
Motor Internal Ballistics Analysis. AIAA Paper
Ne 77-910, 12.VI1.1977.

2. LM. Procinsky, W.R. Smith. Nozzleless
Boosters for Integral Rocket Ramjet Systems.
AlAA Paper Ne 80-1277, 30.VIL.-2.VI11.1980.

3. C.D. Mikkelsen, G.P. Roys. Application of the
Saderholm Erosive Burning Model to Nozzleless
Solid Propellant Rocket Motors. AIAA Paper Ne
82-1146, 21-23.VI1.1982.




PE—

2-14

4, C. CapHep. XvuMus pakeTHbIX Tonmuu. M.
Mup, 1969. 488c.

S. WU. Taaceman, NAx.B. Yepux. PaxetHo-
npAMoTOuHbie ApuraTenn. B kH.: PakeTHbie
asurareau. T. X11. noa pea. O. Jlankactepa. M.,
1962. 576-608c.

6. P.U. Kyp3suHep. PeakTMBHBIC aBHTATEM AN
GoMbLUMX CBEPXIBYKOULIX cKopocTeit moneta. M.:
MawuHocTpoeHHe, 1977, 212¢.

7. Hans.-L. Besser. Solid Propellant Ramrockets.
Ramjet and Ramrocket Propulsion Systems for
missiles. AGARD lecture series, Ne 136, 1984,

8. .M. AHHYyWKHH, B.A. CocyHou.
HUccneaouanne andxhysmonHoro npouecca rope-
HUA M a3pOIUHAMUKHM TeueHUN B wpo3aywHoMH
Kamepe CTOpAHUs PAKETHO-NPETOTOUMHbIX
asurateneid. Yactu | u 11. Moa penakumeii B.A.
Cocynoua. M., UUAM. 1964. 314 c.



Table 1. Composition of typicil ramrocket solid fuels (%)

Pro-
pel- F u el Binder-fuel Oxidant
lamt
Ne § Mg | Mg/Al| Al JAI/B| B | CICHg| CyHgy | BCH || NaNO, | NH,CIO,
| 60 20 20
2 60 20 20
k] 20 o0 20)
4 20 60 20
5 o0 20 20
§] 20 60 20
7 15 60 25
8 20 60 20
) 55 20 25
10 30 30 20 20
Table 2. Characteristics of propellants
Pro- _Hu_
pel- = - - I+L,
lant v Hu Pp Lo .
No k) /kg Reference: Propellant Nel: 60Mg +
! I I [ 3.89 4444 20(C 4 Hy) + 20(NaNOy)
2 1.47 .18 1.25 4.49 4633 Hu = 21730 kl/kg
3 1.05 .26 0.83 793 | 3064 Hv = 33855 k)/dm’
4 1.17 1.32 0.88 8.13 3136 pp = 1.50 ke/dm?
5 1.21 1.09 1.11 4.18 4563
6 1.09 1.46 0.75 9.5 3011
7 1.05 1.44 0.73 9.5 2985
b 1.43 1.86 0.77 7.55 4739
9 2.00 1.92 1.04 7.88 4690
10 |.81 1.66 1.08 6.70 4700
Table3. Standard propellants composition.
Propeltant | TT-1 | CH-1 | TT-3 { J1-24 | K-6T
ingredients, %
Mg 375 03 19.6 15.25 17.25
Al - - - 15.25 17.25
€ 17.41 9.38 332 30.6 32
H 2.08 0.62 5 4.5 4.8
0] 31.62 14.45 259 20.8 17.8
Cl - - 1 9 7.4
N 11.28 3.63 53 4 3.5
Na - 6.92 - - -
Zn 0.11 - - - -
pirameters
Hu kJ/kg 16325 18690 19507 22144 24697
Qge kJ/kg 6483 4081 3893 5525 4111
Lo 2.32 2.8 4.47 5.14 5.87
1%, Vs 1226 981 1226 1275 127.5
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NeNe of propellants see table 1.
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Fig. 2.8. The comparison of different solid propellants for ramjets by some specific characteristics (second).

M=2H=¢0
NeNe of propellants see table 1
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Fig. 2.9. Relative values missile range and propellant volume by use of different propellants and by missile

mass=idem,
M=var; H=var.
NeNe of propellants see table 1.
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Fig. 2.11. Metal contents m different SPRR propellants and equibibrinm composition of their combustion
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Fig. 2.14 The relative influence of different parameters on diffusion flame length by secondary burning m
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Fig 2.15. Multi-nozzle and equivalent one-nozzle SPRR, having the same equivalent relative combustor
chamber length and the same fuel combustion efficiency at the same o value |¥].

O one-nozzle SPRR, ¢ multi-nozzle SPRR

Leq

Fig 2.16 The Generalized dependence of secondary ram combustion from relative equivalence combustor
length]8].
Absolute testing date:
fuels - see table 3.
Dy, = 100 - 1100 mm,
L, = 400 - 2800 (4000) mm,
N, = 1- 228,
a=074-25,
T, = 288 - 1150 K.
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Fig. 2.19. Possible SPRR mixing devices. [8]
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Fig. 2.20 Test-bed to SPRR with connected pipe testing.
a - test-bed inlet device.
b - engine (without intakes, and supersonic nozzle part).
¢ - detachable "cold” calibration device.
l. - secondary combustion chamber.
2. - gas generator with propellant grain
3. - net for uniforming the flow,
4. - moving platform for thrust measurement
5. - device for thrust measurement
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Fig. 2.21 Experimental engine of SAG type with the open grain propellant with number of different mixing
devices.[8].
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Fig 2.22 The tests prototype of SA6 missile SPRR with four variants of propellant nozzle devices|¥|.
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Fig 2.23. Combustion completeness for fig 2.21, 2.22 variants [8]. Fuel CH-1 (Table 3). T, = 450=500K.
---- open end grain without mixer
3, 8 - open grain with mixers Ne3, and §
OO - grain in gas generator, Nn = 12 (variant N4)

| - calculation for L, = 21.
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Fig. 2.26. Typical flight zone of middle-range air-to-air missile.

G

Fuel flow rate
programs

Fig. 2.27. Integral SPRR with fixed fuel flow rate programme.
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Fig. 2.28. Integral SPRR with discrete fuel flow rate control.



2-31

central body

;'*"':i'? g s
e e
¥ B .
AR 3
OO

L)
Vete'e 5
::.:.’ .
AT x
AU )
' olale olelelulelel0lels 2,

flow governor

w P Wy
ATSPPR IR I _.‘.‘?} ,‘?._;‘__
Catatetaleneley [ R A )
) M ] i ___'m}}‘_\ " :
MM = f———— )

ML K B R )

G=AP; V=05-08 (usually 0,2-0,3)

flow governor

Fig. 2.29. Integral SPRR with flexible fuel flow control.

P
3

O »

~J
@]
\
}
/
&

i
)
11 0L L1 L
l';t Kiw
/
’
Jl
-".l""
‘nz -
L]

a )]
0
\
N A

(A
O
AR EEEN

——

e

N
E,

L1t 4

—_
O

TY T T T T 77777 TTTrTry7TTyrrrjyprrryryrayorgd

1 < 4 X

Fig. 2.30. Typical dependence of flight range of air-to-air missile on air excess coefficient at different
altitude
H, < H, <..<Hs,
---- optimal value of a.



——

SOME PROBLEMS OF SCRAMJET PROPULSION FOR AEROSPACEPLANES
PART I. -- SCRAMIJET: AIMS AND FEATURES
by
Dr A.ROUDAKOV
CIAM (Central Institute of Aviation Motors)
111250 MOSCOW
RUSSIA

Introduction.

This lecture topic is problems of scramjet propulsion for single-stage aerospace
planes. The aerospace plane main destination is acceleration of some pay load up to orbital
speed. It defined a requirement to propulsion system to be frugal in the wide flight speed
range under conditions of propulsion mass limitation and thrust compared with flight
vehicle weight. In accordance with modem estimations, real hydrogen fuel scramjet specific
impulse may be in several times more than that of rocket engine in the wide flight speed
range, from Mf = 5...6 up to Mf = 15. .20. But hydrogen scramjet propulsion requires
significant air ram connected with high heating of vehicle structure, large hydrogen tanks
(and vehicle), special forms of flying vehicle. As a result scramjet advantage as well as any
other air breathing engine advantage over the modem liquid rocket engines is not
doubtless.

Nevertheless scramjets can provide good efficiency of aerospace plane if each
scramjet element and units are developed very carefully and have high performances. In
other case scramjet may lose competition with liquid rocket engines and full scale scramjet
will be never created.

Theoretical and experimental investigations, ground and flight model test have
demonstrated possibility of supersonic combustion ramjet for hypersonic flights. But we
must carry out serious investigations to obtain high efficiency of scramjet elements and
scramjet propulsion as a whole to be sure of scramjet success in aerospace plane
competition with liquid rocket engine.

In this lecture I shall try to repeat nothing known from books and shall try to use

only last study results known only to a small number of scientists.
The authors of this paper are the CIAM scientists: Dr. L.Gogish, dr.
V.Krjutchenko, dr. N.Dulepov, dr. V. Semenov, dr. Yu. Shikhman and me.

Some Features of Scramjet

Nowadays all space objects are being
accelerated by launch systems based on chemical
rocket engines. These engines' technologies are
enough completed and they permit to carry out some
space experiments and investigations, to create some
space communication system, to use space vehicles for
some unique technology, but not high propulsive
economies of chemical rocket engines requires to
create multi-stage launch systems contented many one
used components. It leads to high launch cost, to bad
influence on ecology, to the earth surface and the
space pollution by lost parts of rockets.

Modern chemical rocket engine efficiency is
near to its limit and excludes possibility to create
future effective one-stage mulii-used rocket launch
systems for variable aims.

Some years ago many scientists and
specialists hoped on nuclear rocket engines that may
give propulsive efficiency 1.5...2 times more than
modern chemical rocket engines, but problems of
ecology and safety compelled to give up hope to use
nuclear rocket engines in near future launch systems.

At present many scientists pay their attention
for problems of metastable substances used as rocket
engine propulsive. These substances have energetic
performances in many times better than chemical
rocket propulsive, but practical realization of
metastable propulsive rocket engine has many hard
problems. Solution time of these problems is not clear
now.

Now single possibility to increase sig-
nificantly launch systems efficiency and to decrease

Presented at an AGARD Lecture Series on ‘Research and Development of Ram/Scramjets and Turboramjets in Russia, December

1993 to January 1994,
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cost of to-space transportation operations is air
breathing engines using. Air breathing engines
modern technology level, modern materials, scientific
background of gasdynamics and technology permit to
design projects of one-stage multi-use wing launch
system to accelerate space objects to orbit and to give
back that to the earth surface. This system will use all
aviation technology, existent runways and all ground
aviation systems. These wing launch vehicles with air
breathing propulsion are named the Aerospace Planes.

The main advantage of air breathing engines
over rocket engines is atmospheric air using as
oxidizer and work-substance of jet nozzle. That
permits to decrease consumption of on-board
propellant in several times. Besides of air breathing
engines using leads to economical atmospheric flight
possibility. As a result air-breathing propulsion
launches system is transformed to aerospace plane
capable to make some maneuver in atmosphere
practically without additional propellant consumption.
This capability will give new important quality: to
come to orbit of any declination practically from any
point of the earth surface and in any time moment.
This quality is practically impossible for rocket launch
system due to large additional propellant
consumption.

In accordance to many experts opinion air-
breathing technology may permit to create aerospace
plane as new kind of aircraft, new kind of launch
system, (o open new stage of space using for wide
aims’ kinds in next century beginning,

The main success of airbreathing propulsion
technology needed for aerospace plane is connected
with supersonic ramjet concept. The scramjet is single
kind of air breathing engine capable to operate at
hypersonic flight speed accordant to flight Mach
number -- My> 7. Scramjets have the widest operating
flight speed range: dMy = 9 in accordance to very
strict estimations and diMy > 19 in accordance to
optimistic estimates. These scramjet qualities
determine importance of it's application to aerospace
plane in comparison with other air breathing engines.

Only engines of liquid air circle may compete
with scramjet in width of operating speed range but
liquid air circle engines achieve the best efficiency in
mutual operating with scramjets.

At present idea of supersonic flow
combustion engine can be admitted as realized due to
many ground experiments and due to two flight tests
of scramjet model. But wide and serious scientific and
technology researches must be carried out, many
problems of gasdynamics, combustion, high
temperature materials must be soluted for creation of
scramjet to obtain necessary aerospace plane
propulsion efficiency. The scramjet concepts must be

corrected and optimized continuously on base of new
results of computational and experimental researches.

The main part of thrust of any air jet engine
is the difference between nozzle jet momentum and
intake air momentum:

R (thq + hp)Viy - gy .

there are R -- thrust, /M, -- air mass flow, rhp --
propulsive mass flow, Vy-- flight speed, Vj; -- nozzle
jet speed. Pressure intake/nozzle difference influence
is not taken into account in this formula.

As a rule mp, value is only several percent from
mgq. Nozzle jet speed is defined by energy supphed to
flow due to combustion. This energy is comparable
with intake air flow energy under hypersonic flight
conditions in case of the best fuel - hydrogen - even.
For example ratio of combustion energy to intake air
flow energy is less than 0.5 if flight Mach number is
more than 11.5. Therefore nozzle jet velocity is more
than flight velocity at several percent only, if A/y> 15
(See Fig. 1.1.) This simple result leads to very un-
portant effect the small losses of air momentum give
significant decrease of thrust and specific impulse.

Fig. 1.2 shows influences of various losses
on scramjet specific impulse. These curves were
computed for some real losses:

-- stognatic pressure intake ratio in accordance three
shock wave intake,

-- relative nozzle momentum losses are equal to 0.03,
-- nozzle intake area ratio -- 3,

-- combustion perfection -- 98,

-- relative flow losses in combustor -- 02

Some small variations of scramjet part
parameters are very significant for propulsion
performances. This significance increases if flight
speed increases.

Some ideal hypothetical scramjet is capable to
operate up to orbital flight speed but real losses in
scramjets duct lead to zero thrust at Afy = 23. Real
scramjet specific impulse is less than that of rockel
engine if My >19. The rocket engine uses more dense
propellant and it is capable to operate in high altitude
to decrease flight vehicle drag force. It must be taken
into account to compare the rocket engine and the
scramjet as aerospace plane propulsion. Practically,
classic scramjet is not better than rocket engine at
Mr>15..17.

As a rule aerospace plane propulsion concept
estimation is not a simple task. Very careful
computational analysis and trajectory optimization are
needed to estimate propulsion efficiency correctly
Specific impulse or some another engine parameter is
not enough for real estimation of engine and
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propulsion efficiency.

Hypersonic intake and nozzle are all down
surface of the plane. Intake and nozzle configurations
influence on either scramjet propulsion performances
or outside plane aerodynamics. Nozzle/intake area
ratio is very important for either scramjet high flight
Mach number performances or plain transonic
performances. For these reasons nozzle/intake area
ratio, intake and nozzle configurations must be chosen
on base of total vehicle optimization.

Practically all performances of scramjet
influence on the plane configuration, sizes, dry mass
and other parameters. It causes very hard and
important problem in design of aerospace plane and
its propulsion. It may be the most significant problem
of aerospace plane/propulsion integration.

Some examples of scramjet parameters
influence on propulsion performances and aerospace
plane efficiencies are being suggested to your
attention

Influence of fuel injection technique, fuel and
combustion properties on scramjet performances.

Scramjet for aerospace planes must provide sufficient
thrust and efficiency in the wide range of flight speed.
A scramjet with fixed structure will have small mass
and simple technology, so it is desirable. But its thrust
decreases quickly with increase of flight speed.

For flight Mach number more than 10...12
required thrust may be provided with significant fuel
excess. Excessive part of hydrogen doesn't release
chemical energy. It only increases propulsive mass
through the nozzle. Hydrogen s best fuel for
aerospace plane engines, due to its high heat capacity
and cooling capacity. But usage of hydrogen as
passive propulsive mass doesn't seem valid, because of
very low density of liquid hydrogen that results in
necessary large tank. One may suggest to substitute it
by any non reactive substance.

Really, physical properties of additional
substance may influence on gas expansion processes
in the nozzle and may lead to changes in the engine
performances.

Furthermore, the scramjet performance can
be improved by the fuel impulse utilization. The fuel
will have high pressure and good enthalpy if it will be
used after pump for the cooling of gas flow passage.
Therefore injector fuel impulse may be compared ‘vith
difference of exhaust and inlet impulses. The +alue of
fuel impulse depends on fuel substance properties
also
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A set of additional substances was selected to
find out the effect of physical processes in the scramjet
gas flow passage on its performance and to propose
for future detailed investigations some substances, ap-
plication of which may provide actual advantages and
which are valid in terms of economics and ecology.
Passive additions were considered: inert gases
(He,Ne,Ar,Kr,Xe), nitrogen (N2), water (H20).
Besides the effect of 8/9 excessive hydrogen by oxygen
change was studied in order to supply additional
enthalpy into the air flow.

It is assumed, that fuel components are heat-
ed in combustion chamber cooling system and mixed
in gas generator and injected into scramjet combustion
chamber through gas generator nozzles tangentially to
air flow.

In case of cxygeir application, fuel injectors
are converted into micio rocket engines and scramjet
is converted into combincd cycle air breathing-rocket
engine, i.e. rocket scrasyet.

Some computational investigations of addi-
tional fuel component properties effect on the real
scramjet main performances were carried out on the
basis of equations describing one-dimensional imper-
fect gas flow (accounting heat capacity/temperature
relation, equilibrium chemical reaction, dissociation
and recombination reactions). The scramyets perfor-
mances were computed accounting some 1nlet and
nozzles total pressure losses. Besides, nozzle area
expansion ratio was supposed restricted and constant.

Statement of the problem

Pure hydrogen (monopropellant) scramjet
thrust efficiency performances were compared with
that of bipropellant scramjet, provided that hydrogen
consumption in the first engine (m)) was equal to the
sum of hydrogen consumption (mp) and additional
component consumption (me ) in the second engine:

mi WP+ (N

All other conditions were the same, i.e. the
same scramjet geometry, flight conditions, efficiency
of engine units and so on. These conditions lead to
equality of air flow rates through both scramjets:

Mgt Mg mg (2)

All the results were obtained on condition the
hydrogen part, reacting with air, was the same in
every case. That is, for usage of any additional non
reactive substance, the reacting part of hydrogen was
kept the same
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where Lg, 34 3 -- stoichiometnic mixture
ratio of air-hydrogen reaction

Introducing additional fuel component mass
flow ratio

i :"."r"" I,a” ':'u

expression (1) may be written

Be = Byt - 1 &)

for all the considered additional substances
but for oxygen ( ;0= 1= I3 = 8 -- total fuel mass
flow ratio for the first and for the second engines )

Additional oxygen consumption was selected
such that hydrogen-air-oxygen mixture was sustained
stoichiometric

L A} * Y,
hii gy Mg Lay + megt Ly 4

where h ' -- oxygen consumption, /,,
794 stoichiometnic mixture ratio of oxygen-hydrogen
reaction

Expression (4) may be written

Bog =B --Dlgy oy - 1 (5
or
Beo =8(B--1)9 (0)

Total fuel (propx:liant) mass consumption
the bipropellant scramyet was always kept equal to the
hydrogen consumption n ine monopropeliant
scramyet (see eq 1) Therefore

Byt = Byprs B, - 88 (1)

Computations of scrainjet performances were
carried out with the aid of the program, computation
procedure of which 1s based on the solution of one-
dimensional gas dynanncs eguations, accounting
equibibrium chemica! raocnoss, @1 and combustion
gases dissociation The - om:pulatiois were carried out
i the flight Mich nun by range A 8 20 with the
followming assumptions

- flizat path cor-ponds to the constant air
ramalne g - 75 kPu,

- air nlet charactenistics ~re shown n Fig,
I 3 as fight Mach number depende.« relationships for
inlet total pressure recovery factor /1 and mass flow
factor /i [a It (where [ -- captured air flow area,
1 -- 1nlet throat area),

- the combustion chamber is expanding,
expansion ratio /¢ [t .2,

- fuel component tank tempeiature values

correspond to boiling temperature values at the see-
level pressure with the exception of water .

- nozzle exhaust area -- inlet throat area ratio
Fe Jlelt 30

- nozzle impulse factor /e 0 97,

- fuel components are heated in combustion
chamber cooling system to total temperature /000 A,
mixed in gas generator chamber and injected mto
combustion chamber tangentially to mir flow through
gas generator nozzles.

- for hydrogen-oxygen fuel components pas
generator «s a hquid-hydrogen-oxygen micro rocket
engine and scramyet 1s a rocket scramjet engine,

- gas generator nozzle exhaust area -- throat
arearano l'ge  lge byt 10,

-gas generator nozzle impulse factor /gv
0 X

Fig 14 shows the effects of relative addi-
tional component consumption on gas generator ex-
haust specific impulse /g for different components
The value J 1s defined as

d ".’t":’ I"l”’:' ‘ ".I‘:‘:')

The relationships between d and B can be
obtamned from previous formulas for non ieactine
cotuponent

d -1
and for oxygen
d (1-18B¢!l - 11lo)

For non reactive components the distinction
between 1mpulses for different components and un-
pulse decrease wath increase of impulse value are
explained by effect of gas minture molecule mass on
nozzle exhaust impulse /g 1t ts known, that for fixed
gas total temperature nozzle exhaust impulse depends
mainly on gas molecule mass (/g~/ (40! 7y For this
reason the substitution of excessive part of hydrogen
by gas with the molecule mass higher than that of hy-
drogen (see table 1) leads to increase of mivture
molecule mass and, consequently, to decrease of gas
generator impulse

The highest impulse for hydrogen-oxygen
components 1s explained by energy release in chem-
cal reaction between hydrogen and oxygen in gas
generator combustion chamber

Hydrogen-oxygen pgas generator nozzle
exhaust specific impulse is presented in Fig 135 for
different hydrogen total temperature 7}, The value /3
1s gas generator equivalence fuel ratio

o e T, o 2]
Buo= myt Loy Myt



Note, that in case of 75,2 /000 K pure
hydrogen gas generator impulse is higher than that of
the hydrogen - oxygen gas generator and in case of
Ty= 500 K vice versa.

Fig. 1.6 shows effect of gas generator impulse
Ig on pure hydrogen fuel scramjet specific impulse /m.
Dashed lines correspond to normal fuel injection (/g-
0), and continuous lines correspond to tangential fuel
mjection ( /g 0). One can see, that fuel impulse has an
essential influence on scramjet impulse. For example,
at M = /2 and B = 2.5 the increase of scramjet
impulse is about /.2 kN s’kg (20%)

Scramjet mass and density specific impulses,
obtained for neon application as additional fuel com-
ponent with total bipropellant fuel consumption ratio
B~ 1.43:25; 5 are shown in Fig 1.7 and Fig. 1.8
For comparison pure hydrogen fuel scramjet impulses
are given. One can see, that specific impulse (Fig. 1.7)
for bipropellant fuel with neon is somewhat lower in
the considered range of flight :Mach number (\/
7..20). Density impulse (Fig 18) 1s significantly
higher, if compared with that for pure hydrogen fuel
So at Af - /2 for pure hydrogen engine and B - 2 5,
specific impulse /g = 82 kNs/kg and density impulse
v~ 118 MN scub.m_ 1e replacement of hydrogen
excessive part with neon results in specific impuise
reducion by 12% and doubie density impulse
increase

Engine thrust changes exactly hike specific
impulse  because comparnison of mono- and
bipropellant fuels 1s made at the equal fuel flow rates
That 1s why thrust versus M relationships are onutted
here and hereinafter

Replacement of hydrogen excessive part by
helium (Fig 1.9 and Fig 1.10) changes scramjet per-
formances less significantly Specific impulses of
hydrogen-helium and pure hydrogen scramjets practi-
cally comncide Density impulse increase is not so
significant due to the comparable densities of hquid
helium and hydrogen

If fuels wath the other inert gases (Ar,Kr . Xe)
are used, scramjet performances are close to that of
the hydrogen-neon scramyet

In Fig. 1.11 and Fig 1.12 engine perfor-
mances for bipropellant fuel are compared with that
for monopropellant hydrogen fuel (total fuel flow ratio
being 4 235) Increments of specific impulse /
1y == luy and of density impulse /, Iy =~ Ly
corresponding the considered gas, are shown.

It can be seen that values of specific impulse,
corresponding to helium, are approximately /.0 kN
s/kg higher than that corresponding to neon, that
makes 10..30% in the Mach number range M =

3-5

9...16. Specific impulses corresponding to Ar,Xe are
0.1...0.3 kN s-kg lower than that corresponding to Ne,
that makes 2...3%. But density impulse corresponding
to He is 0./...0.5 MN s/cub.m (20 30%) lower than
that, corresponding to Ne, inspite of the higher values
of specific impulse.

That 1s explained by the fact that Ne density
1s one order higher and that results in 1.7 times higher
density of bipropellant fuel with Ne compared to fuel
with He. Values of density impulse for Ne Ar,Kr and
Xe nearly coincide. Density impulse curves for Ar and
Kr lie between the curves for Ne and Xe and are
omitted in Fig. 1 12. The marked features are typical
for bipropellant fuels wath different percentage of inert
gases When total fuel flow rauo (/%) increases.
absolute values of increments /m and /v increase too,
and vice versa

Specific impulse - fuel composition relation-
ship. chemical energy supply being constant and all
the engine parameters being identical, 1s explained by
properties of real combustion gases

In reality combustion gases heat capacity
increases with temperature growth and the combustion
gases are partly dissociated It particularly regards to
water vapor and nitrogen

Fig 1 13 shows relative specific heat capasity
of N, H, O, Ar - temperature curves. Relative specific
heat of each gas 1s the ratio of its specific heat and
that at temperature 400 K One can see significant
heat capacity increase of mitrogen and particularly of
water with temperature raise Argon heat capacity is
constant in wide range of temperatures, argon (as well
as other nert gases) 1s practically ideal gas
Inconstancy of heat capacity results in lower kinetic
energy increase of real gases molecules compared to
that of i1deal gases, in case of heating Some kinetic
energy increase delay occurs, part of kinetic energy is
realized in the nozzle at lower pressure As a result
effectiveness of engine thermodynamics cycle de-
grades

Another significant feature 1s nozzle perfor-
mance dependence (for fixed n.zle expansion ratio)
on adiabatic index of combustion gas mixture The
higher adiabatic index - the higher the conversion
factor of total gas enthalpy into exhaust jet kinetic
energy in the nozzle. Inert monoatomic gases are
practically ideal gases, their heat capacities are prac-
tically constant, they can not dissociate, their adiabatic
indexes are the highest ( - /.67)

At last, scramjet performances depend on gas
generator exhaust impulse (Fig. 1.6), the value of that
depends on propellant composition ( Fig. 1.4).

In case of excessive hydrogen replacement
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with inert monoatomic gas, gas nuxture 1n the nozzle
becomes closer to 1deal gas, 1ts adiabatic index n-
creases and one should expect specific inpulse in-
crease But lower inert gas heat capacity compared
with that of hydrogen (especially for Ne and heavier
gases) results 1in higher gas imixture temperatures

In consequence, non-ideality effect of water
and mitrogen, forming essential part in the nozzle
exhaust flow, becomes stronger

The effect of these two factors (adiabatic
tndex and heat capacity) 1s shown in Fig | 14 and
Fig 115, obtained at the condition of normal fuel
injection (/g U) into combustion chamber One can
see, that the effect of the second factor 1s stronger than
that of the first factor (except the case of part helium
apphcatonand 8 2 5)

The effect of the third factor (gas generator
impulse) increases the distinction between the
impulses of monopropellant hydrogen fuel scramjet
and of bipropellant fue! scramjet (compare Fig | 14
and Fig 1 11) because of the gas generator impulse
for hydrogen fuel 1s higher than that for inert gas and
hydrogen mixture (see Fig | 4)

In consequence, in case of tangentially
injected fuel, specific impulse of bipropeliant scramyet
appears lower than that of pure hydrogen scramjet for
any inert gases as fuel additio But dencity imputse of
bipropellant scramjet 1s lugher than that of hydrogen
scramyet for tangential (Fig 1 12) and normal (Fig
t 15) fuel injection (especially for Ne and heavier
gases, Fig 1 12)

This effect, in spite of its specific impulse
reduction, may be very useful in practice, because 1t
pernuts to reduce the needed volume and dry mass of
tanks

Effect of real-gas-mixture properties influ-
ence on the engine performances 1s observed also
when non-monoatomic substances are used as addi-
tional components of the fuel Fig 1 16 and Fag 117
{hke Fig 1 11 and Fig 1 12) for the case of tan-
genually injected fuel and Fig 118 and Fig 119
(Iike Fig 1 14 and Fig 1 15) for the case of normal
fuel injection show the results, when water, nitrogen
and oxygen were used as additional components The
tesults of water and nitrogen application are worse
compared to that of neon in the both cases It can be
explained by non-ideal properties of water and mitro-
gen nconstancy of heat capacity and low value of
adiabatic index.

Replacement of excessive hydrogen part by
oxygen and hydrogen in stoichiometric ratio 1s sig-
nificantly more effective in the case of tangential gas
generator gas injection than in the case of normal fuel

propeliant injecion One can see, that for the case of
tangential iyjection hydrogen-oxygen scrampet has the
lughest values of density unpulse for the all
considered Mach numbers and the highest values of
specific impulse in Mach number range ¥ /6 at /3

2 5 Note, that by normal injection the highest value of
density 1mpulse corresponds to neon-hydrogen fuel
scramjet and specific impulse of hydrogen-oxygen
scramyet 1s higher than that of hydrogen scramyet only
forAr 935

The specific impulse tncrease of hydrogen-
oxypen scramjet 1s achieved by additional chemical
energy. that is provided by hydrogen and oxygen But
specific impulse increases slightly, because the part of
water 1n the nozzle gas nixture increases and tem-
perature raise shows non-ideal properties of nitrogen
and water [n the case of tangential fuel injection the
effect of non-ideality appears lower than n case of
normal fuel injection, because tangential fuel injection
leads to gas velocity increase (gas temperature
decrease) in combustion chamber and. 1n conse-
quence. the larger part of addittonal chemucal eneryy
is converted into exhaust jet kinetic energy In Fig
1 20 and Fig 121 specific and density impulses of
hydrogen-oxygen scramjet at tangential fuel injection
are compared with that of pure hydrogen scramjet for
different values of # /435 25 5 Note, specific
impulse of hydrogen-oxygen scramjet 1s higher then
that of hydrogen scramyet at 5 Sand \/ ¢ 20

Fig 122 differs from Fig |20 only by
values of gas penerator exhaust impulse /i In Fig
1 20 they correspond to the hydrogen temperature at
pas generator chamber inlet 7 /000K, while 1n Fig
| 22 they correspondto /| 2000KA (see Fig 1 5) One
can see. that inspite of higher gas generator umpulse
for pure hydrogen scramyjet ([g 6 9 kN's kg) specific
impulse of hydrogen-oxygen scramjet 1s higher than
that of hydrogen scramjet in the wde flight Mach
number range (forfi 25a\ & /D)

Previously mentioned effects of gas mixture
reality influence on exhaust velocity from nozzle are
small, but essential for scramyjets at high speeds [t 1s
known, that in lgh flight speeds, thrust of any wr-
breathing engine 1s defined by the small difference of
two large values exhaust and inlet impulses Even
shight change 1 exhaust velocity may result in sip-
nificant change of thrust and specific impulse of the
engine It complicates the quality of investigations of
scramyet for aerospace planes and requires as detailed
computations as possible

Carned out computations could not take into
account possible effect of the additional substance on
spatial effects in the engine passage. Besides, prob-
lems of engine construction cooling in case of
bipropellant fuel application were not considered.
Accounting, of these effects requires more complicated



model of processes in a scramjet. As for aerospace
planes, to estimate the engine effectiveness would
require detailed computations of the plane trajectory,
particularly, tank volume effects on the aerodynamics
must be accounted Due to these reasqns one cannot
conclude that application of additional substances
instead of excessive hydrogen 1s absolutely advanta-
geous No doubt, the problem ts worth carrying out
more deep investigations

Some conclusions

Tangential injection of fuel gives significant
unprovement of scranmyet performances and must be
apphied on aerospace plane scramjet propulsion

Some additional fuel component effects on
hydrogen scranyet performances show significance of
small differences of propellant and combustion prod-
ucts properties

It seems attractive to use oxygen as addi-
tional fuel component, oxygen's application aliows to
increase as density impulse (1 S 2 times), as well as
specific impulse (by 3 10%) of engine and to reduce
the needed tank volume and tank dry mass

Some 1nert gases application 1s interesting
also

More sure results of scramyjets modifications
comparison may be received by the aerospace plane
trajectory optinuzation methods

Trajectory Efficiency Analysis of Oxygen Boosted
Scramjet.

Computational efficiency analysis of single
stage aerospace planes (ASP) was carned out to
compare two propulsion system (PS) concepts

-- the first PS uses classical scramyet (SCRJ)
operating only on hydrogen fuel,

-- the second PS uses on-board oxygen boosted
scramjet (SCRJ-R)

Efficiency analysis of two PS concepts -- on
basis of SCRJ and SCRJ-R -- was conducted for an
example of hypothetical single-stage ground starting
ASP with start mass of 280 t The ASP s designed to
launch the payload on near-earth circular orbit ( H =
200 km ) with inchination angle of 51 deg. The
latitude of starting place -- 47 deg. The additional
charactenstical velocity needed to orbit maneuver and
re-entry starting was taken equal to 120 m/s. The
ascent trajectory was determined with following
constraints on vehicle motion parameters’

-- maximum dynamic pressure allowed - 75 kPa,
-- maximum longitudinal acceleration - 3g,

-7

-- maximuni cross acceleration - 1,5g
-+ maximum trajectory angle 35 degrees

The optinuzation of ascent trajectory was
conducted with account to these and some other
limitations  on  different phases of motion The
aerodynamic scheme of hypothetical ASP can be
defined as wing body without horizontal tail The
bottom nose part of the fuselage forms engine
compression surface, and fuselage afterbody s used
for nozzle gases expansion

For efficiency companson of various PS
unified model was accepted The followming mass and
volumetric characteristics were assumed

Vass Charcterivtios
a) Propulsion system

-- specific mass of thrust loaded structure panels.
16 kg/sq m,

-- specific mass of SCRJ (SCRJ-R) cooled panels.
20 kg/sq m,

-- specific mass of air entry and nozzle panels.
20 kg/sq m,

-- specific mass of LR, 0 0009 kg/N_ -

-- specific mass of ATR, 0004 kg N

b) Arframe

-- fuselage structure specific mass, 23 kg/sq .

-- wing structure specific mass, 30 kg/sq m.

-- fin structure specific mass, 35 kg/sq m,

-- hydrogen tanks specific mass, 18 kg/sq m,

-- oxygen tanks relative mass. 0015,

-- constant mass (crew, equipment, undercarnage.
etc ), 191

Geometrical Characterisics

I-- wing span to length ratio, 0 44,

-- basic wing leading edge sweep angle, 52 dey .
-- strake leading edge sweep angle, 83 deg .

-- wing, profile thickness, 0 05,

-- wing, fineness satio, | 83,

The wng loading and disposable fuel
capactty were deternined by solving two equations

-- the equation of vehicle existence (mass balance),
-- the equation of matching the required and
disposable vehicle volume

Airframe modelling was assumed for
comparative evaluation of alternitive PS versions and
design parameters. In accordance with this airframe
modelling, the absolute sizes of vehicle (length, wing
surface, etc.) are changing n some limits while
relative paramaters (span to length ratio, relative
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maximum fuselage area, sweep angle, aspect ratio,
etc.) remain unchanged. Thus the aerodynamic
characteristics also remain constant.

Aerodynamic Characteristics of
Aerospaceplane (ASP)

Aerodynamic characteristics of the ASP
were determined by mathematical modelling method.
It 1s known that the possibility to obtain experimental
data for hypersomic velocities range is limited by
aerodynamiic facilities capacity At the same time the
CFD (computational fluid dynamics) methods used for
large computational investigations connected with
optimization of ASP propulsion system (PS) require
very great computer resources Therefore the
engineenng, method published in was used for evalua-
non of aerodynamic forces and moments acting on
vehicle at hypersonic flight speeds

The fniction forces, heats flux and equi-
librium wall temperature are defined on base of some
boundary layer model This model permit to determ
gas parameters on viscous boundary layer on base of
Newton and Prandtl-Mayer theories, theory of tangent
cones and wedges and takes into account entropy
effect and hypersonic viscous interaction The
corresponded algorithms and computer codes were
descnibed in

The method based on supersonic potential
theory, on slender body theory and on some empirnical
dependencies was used to determune approximetly
profile drag force, polar slope at subsonic, transsonic
and moderate hypersonic flight speeds

In Fig 123 1206 are shown the configu-
ration and aerodynanuc charactenstics of ASP
considered tn this paper are shown as drag force factor
and hft force factor dependencies on Mach number
and angle of attack Maximum aerodynamic fineness
tKmax) and corresponding angle of attack versus

flight Mach number are shown too.

The results of aerodynamic charactenstics
computations were confirmed by flight experiments of
Bouran Space Vehicle program and hypersonic
scramyjet test flights.

Propulsion System Concepts

Two concepts of propulsion system are
considered

- the first PS based on scramjet,
- the second PS based on scramjet-rocket
They are identified as SCRJ concept and
SCRJ-R concept

These combined PS concepts consist on
following engine types

-- In the first acceleration phase (M<S5) air-turbo-
rocket engine (ATR) operating on oxygen-hydrogen
fuel.is used.

-- In the second phase from M=5 SCRJ or SCRJ-R
are used

-- In the third (final) phase of acceleration oxygen-
hydrogen Liquid Rocket Engine (LRE) 1s operating
with space specific impulse equal to 4576 nvs and
oxygen/hydrogen flow ratio equal to 7.

SCRJ/LRE or (SCRJ-R)YLRE transition
flght Mach number were optimazed for highest
payload mass

Optimum Propulsion Operating Modes of
SCRJ and SCRJ-R.

The values of ATR effecive specific
impulse along the ascent trajectory depending on
Mach number and flight altitude are lisied in Table 1

AR Performances Table |
H. km 0 00 000 033 1! 80 15 50 18.50 21.60
Jsp, knvs 20.59 20 12 2175 2165 2130 20.90 21.80
T.K 288 295 380 600 880 1075 1250

The operating modes and flight speed range
on diverse hases of erospaceplane acceleration
trajectory were chosen in three ways: they could be
set, or defined from the "combustion chamber
choking" condition or optimized. So the operating
mode of ATR on the first phase of trajectory (M < 5)
was set by choosing air excess air coefficient equal to
1.0. The operating mode of SCRJ and SCRJ-R were

optimized for all operating part of trajectiry, but
limitation of SCRJ combustor choking requied to
chois air excess at Mf < 7 without optimisation
practicaly

The operating mode of SCRJ-R may be
optimized in the whole range of Mach numbers. It was
characterized by two parameters: total air excess
coefficient and oxygen-fuel excess coefficient in



gasgenerator.

The results of computational study of
optimum operating modes are shown: for SCRJ - in

39

Table 2, for SCRJ-R in Table 3. In the tables the
values of total effective thrust, of specific impulse and
of angle of attack along the flight trajectory are given

Scramjet Performances lable 2.

M 5 6 7 8 11 12 14
H, km 21.6 240 25.8 27.8 323 35.0 483
air/fuel ratio [2.78 1.5 1.0 1.0 09 0.8 0.6
R, kN 1100 1447 1800 1953 1400 1140 475
Isp, km/s 35.2 31.0 26.0 228 12.9 9.8 38

Scrampet--Rocket _Performances Table 3
M 5 6 10 11 12 13 15.2
H, km 21.6 24.0 30.6 32.3 35.0 40.4 53.6
air/fuel ratio 1.60 1.20 110 1.10 1.15 0.90 0.80
O/H ration of preborner 0.30 0.00 0.00 0.00 0.05 005 0.70
R, kN 1900 1947 1600 1314 1139 947 2437
Isp, km/s 12.00 32.87 16.40 12.90 9.40 7.10 4.30

As a result of optimization of SCRJ hyper-
sonic operating mode, the air excess coefficient
remains constant and is equal to 1.0 at acceleration
phase from M =7 to M. = 10. (Table 2.) Futher with
the speed increasing SCRJ operates on a fuel enriched
by hydrogen.

Opunuzation of SCRJ-R operation modes
gives following results: in the concluding acceleration
phase (M = 12...15) for providing high thrust values
engine may operate on oxygen enriched propeilant

In moderate hypersonic speed range (6 < M
< 11) corresponding, to constant dynamic pressure q =
75 kPa the optimum chosen on payload criterion 1s
represented by highly economical operating mode
without on-board oxygen supply

The results of computational optinuzation of

Mach number range for SCRJ and SCRJ-R effective
operation show that optimum transition Mach number
(to LRE) makes up: for SCRJ 14 and for SCRJ-R 152

The simultaneous operation is also useful: of
LRE and ATRgg in transsonic flight range, of LRE
and SCRJ -- by Mach numbers 13.6...14.0 and of LRE
and SCRJ-R by Mach numbers 148 152

Comparative Evaluation of Flight
Performances of Aerospaceplane with SCRJ and
SCRJ-R.

Basic aerospaceplane flight performances
with two PS concepts -- SCRJ and SCRJ-R -- are
shown in Table 4
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SCRJ and SCRJ-R Performances Table 4.
Flight performances parameters PS concepts
SCRJ SCRJ--R
PS -- ASP the main parameters Start accelaration, m/sq. s 6.25 6.25
Start relative loading, kg/sq.m 603 620
Landing relative loading, kg/sq.m 192 203
Mass ballance parameters, tonns Pay load mass 1.4 4.6
Mass in orbit 91.1 93.8
Propulsion mass 20.1 209
Air fraim mass 39.0 379
Tank mass 9.4 9.1
Propellents mass, tonns Oxygen for ATR--gg 15.7 15.7
Hydrogen for ATR--gg 15.7 15.7
Oxygen for SCRJ--R ---- 213
Hydrogen for SCRJ/SCRJ--R 45.0 438
Oxygen for LR 101.5 825
Hydrogen for LR 14.43 1.8
Total oxygen 1173 119.5
Total hydrogen 76.1 713
Geometrical parameters Vehicle length, m 65.7 64.8
Wings span, m 29.1 28.7
Vehicle valume, cub.m 1564 1500
Flight performances Accent time, s 1345 1340
Accent distance, km 4351 4428
Speed losses due to drag, nvs 3367 3210
One can see from Table 4 that SCRJ thrust Some Conclusions.

augmentaton (use of SCRJ-R) allows to diminish
aerospaceplane volume what is particularly important 1 A 4-5 1 payload may be launched to the
under conditions of high tanks and airframe elements near-earth orbit (H=20 km, =51 deg) by

specific mass.

So using SCRIJ-R instead of SCRJ allows to
reduce total hydrogen mass by S t, aerospaceplane
volume by 64 cub.m, aerospaceplane wetted surface by
43 sq.m, airframe and tanks mass by 1.5 t. All these
improvements ensure launching into near-earth orbit
4.5...5t of payload, i.e. some three times greater than
the payload launched when using SCRJ only.

aerospaceplane with starting mass of 280 t using
oxygen boosted SCRJ, i.e. SCRJ-R. This payload mass
is three times greater than that launched by ASP with
not oxygen SCRJ

2. Optimum Mach number for transition to
LRE operation mode is for SCRJ - 14 and for SCRJ-R
-152

Using oxygen as additional fuel component
leads to larger the effective operating diapason of
SCRJ-R in comparison with not oxygen SCRJ that

3 Using of SCRJ-R permits 10 increase
volumetric efficiency of aerospaceplane and to reduce
it's structure mass.




Bibliograthy

1._Kyp3unep P.U. "PeakTHBHbIC ABHrATENH
Ansi 6oNbUIKX CBEPX3BYKOBLIX CKOpocTei nonera”
M. Mawunocmpoenue, 1989.

2. Sosounov V. "Study of Propulsion for High
Velocity Flight" ISABE, 1991.

3. Bscher W.J.D., Teeter R.R., Rice E.E.
"Airbreathing and Rocket Propulsion Synergism:
Enabling Measures for Tomorrow's Orbital Transports"
Al1A4 Paper, 86-1680, 1986

4. Bendot J. "Composite Engines for Application
to a Single-Stage-to-Orbit Vehicle” NASNA ('R-2613,
1975.

5. Murthy S.N.B., Czysz P.A. "Energy Analysis of
High speed Vehicle Systems" AJ/AA Paper, 90-0089,1990.

6. Hewitt F A., Ward B.D. "Advanced
Airobreathing Powerplant for Hypersonic Vehicles"
ISABE 89-7107, 1989.

7. Heppenheimer. "The National Aerospace Plane"
Pasha Publikations, 1989

8. Czysz P.A. "Thermodynamic Spectrum of
Aurobreathing Propulsion” S/ 7./ 881203, 1988

9. Saber A.J. and Chen X. "H2/Air Subsystems
Combustion Kinetics in Aerospaceplan Powerplants”
111-91- 276, 1991.

10. Robert A Jones, Caleman du P, Donaldson
"From Earth to Orbitin at Single Stage" Aerospace
America, August 1987. Vol. 25, No. 8.

11. Rudakov A, Krutchenko V. "Additional Fuel
Component Application for Hydrogen Scramjet Eoosting"
SAE TP 900990, 1990.

12. Hewitt F. A, Ward B.D. (Rolls-Royce)
" Advanced Airbreathing Powerplant for Hypersomc
Vehicles" /SABE 89 -- 7107, 1989

13. Kors D. (Aerojet Prapulsion Division). "Design
Cosiderations for Combined Air Breathing-Rocket
Propulsion systems" A/AA Paper No. 90-5216,1990.

14. BaprapTuk H.b. "CnpasotHnk no
TCINOPUINUCCKUM CBOICTBAM 1308 H
XHakocte" M. @uamameus, 1972.

3-1

15. Schetz T.A. and Billig F.S. "Studies o1
Scramjet Flowfields" A/A/1 Paper No. 87- 2161, 1987

16. Billig F.S. "Combustion Processes in
Supersonic Flow" Jet Propulsion, Vol. 4, No 3, 1988

17. Pouliquen M.F., Doublier M., Scherer D
"Combined Engines for Future Launchers" /44 Paper,
88-2823, 1988.

18. Roudakov A., Dulepov N. et.al. "Analysis of
Efficiency of System with Oxygen Liquifaction and
Accumulation for Improvement of Aerospaceplane

Performances” /4/°-91-270, 1991.

19. Czisz P.A. "Space Transportation Systems
Requirments Derived from the Propulsion Perforance"
I11-92-0858.

20. Vinogradov V., Stepanov V. "Numerical and
Experimental Investigation of Airframe-Integrated Inlet
for High Velocities". A/44 Paper 89-2679, 1989

21 Pouliquen M "Propulsion of Space
Transportation System”, Paris, 1991

22. Wolf DM , Daum A, et.al "Air-Borne
Launching with Existing technology”, /:1/-¥3-V 3 615,
1993

23. Billant C , Boueldleu E., Wagner A,
“Radiance: A High Staging Speed Airbreathing First
Stage TSTO Launcher”, /4/-93-V 3.616, 1993

24 Roudakov A , Novelli Ph, etal , "Fhght
testing an Axisymmetric scramjet - Russian Recent
Advances." /[A/)- 93-5.4.485, 1993




25 My

3-12
E—
{3 av _ ] S
06t
(.0 ?
D4} :
|
05}
02r
0 . ; . 0 L .
5 10 5 20 25 My 5 10 5 20
Fig 1 1 Relative energy of hydrogen combustion and theoretical relative hmit
of flow velocity increase for scramjet
J
(km/5)
S0l 5
25t
4
20F 2
2
5} *g
{0
5F
5 10 15 20 Mg

Fig 12 Influence of various losses on scramyet specitic impulse along the
flight path

-




- i e e gy

N .

T o S

km/s

lg |

3-13
Pi Fi 7 -
' [_02 = 40Yv
Fqe =10
o b \Tu, 72000 3
4 -
E
2} —‘,
=P
5
. r ' 1 i 1 e i —
Fig 1.3. Inlct performances. 0, 2 4 .0 48 1.0
/By
Fig. 1 5. Hydrogen oxygen gas exhaust specific
impulse.
% s
Hy +l2
4
HatHp 20
i E
iz
, 1o
st i
T = (000K +HiD
f ge- i *NE
; ‘N‘ 0 1 1
: AP 5 10 15 20
Mf
+Jle
) | L B Fig. 1.6. Specific impulscs of hydrogen scramjet for
L - - 7 = h normal and tangential fucl injection with
' . . 5 : differcnt fucl flow ratios.

Fig | 4 Gas gencrator exhaust specific impulse as
function of rclative additional component
consumption for different propellant
additions.



3-14

0T

1k

lrn 3 km/s

0L

tig 1 7. Specific impulses of hydrogen scramjet and
hydrogen-neon scramjet with different fuel
flow ratios.

LR

MN s/cub m

Iy .

5 10 BT 20
M

Fig. 1.8. Density impulses of hydrogen scramjet and
hydrogen-neon scramjet with different fuel
flow ratios

km/s

Im z

Iy , MN s/cub m

—— Hz

20T N B:lk —— = Hy iy
i‘j A
1wk
0 . i |
5 10 15 20
Mf

Fig 1 9 Specific impulscs of hydrogen scramjet and

Vi

L

hydrogen-helium scramjet with different fucl
flow ratios.

Fig. 1.10. Density impulses of hydrogen scramjet and

hydrogen-neon scramjet with different fuel
flow ratio.



‘5‘[1]1 = Im - ImH , km/s

Iy - [yH , MN s/cub.m

v=

Al

Mi
0 | [1] 15 20
| He — . : )
R et

.5F =
-1.0} Ne¢

AI‘ -\r

1 el T

E -‘HIH“::—“-—-—_

-L.5[ P ]

1'3 £ 31
-2.0 —

Fig. 1.11. Specific impulses differences of bipropellant

scramjct and pure hydrogen scramjet for
tangential fuel injection at B = 2.5.

e
Xe
87T
N
1
41
21
0 il i n
5 10 15 ]|
Mr

Fig. 1.12. Density impulses difTferences of bipropellant

scramjet and pure-hydrogen scramjet for
normal fucl injection at B=2.5

3-15

[ ]
T

Ce (T7)/Ce (400)

\
=
3

-

Fig. 1.13

-L.5f

Al

[“1 = I]TI.H . km/s
F
'r =

. Specific heat variations (divided by that at
400 K).

Fig 114

Aly = Iy - IyH , MN sfcub m
'S

0

. Specific unmpulses differences of bipropellant
scramjet and purc-hydrogen scramjet for
normal fuel injection at B=2.5.

Ae '
NE\ ‘J'-'O

S
-~ \
L
10 15 20

Mr

Fig. 1.15 Density impulses differences of Lipropellant

scramjet and purc-hydrogen scramjet for
normal fucl injection at B = 2.5.

———— - mie




——— - - -

sk Uz'-..' Ii,‘ﬂ
“\-..‘.
0 10 ~, 20
o
-5 T —
Ne
A N?, ::-:"“":'-'-..____
— T ——
-1.5

Fig. 1.16. Specific impulses differences of bipropellant

8

E

F=]

g

E ok

=

T N\

YT N

L \HE“-

I N H.?:ﬁ N

> ;

E 20 \ nau, \
Hg
----.

0 J l
5 10 15 20

scramjet and pure-hydrogen scramjet for
tangential fuel injectionat B=2.5.

Mr

Fig. 1.17. Density impulscs diffcrences of bipropellant

scramjet and purc hydrogen scramjct for
tangential fuel injection at B=2.5.

Ne '\‘-. 04

——
N 1"""!-._ ‘H"‘h
1 "_‘_‘-lrp "h-____‘ . =1
Hlu.l _j.—-ia_:‘:::l-h._t —_
"-—-._" TR

Fig. 1.18. Specific impulscs differences of bipropellant

ly - IvH , MN s/cub.m

Al

A

scramjct and purc hydrogen scramjet for
normal fucl injection at B=2.5.

10 15 20
Mf

Fig. 1.19. Density impulses differences of bipropellant

scramjct and pure-hydrogen scramjet for
normal fucl injection at B=25.



20 - w ==
e\ T Rl
" ' [4#0
E Tue® 1000 K
w0}

£

0 1 L

5 10 1 20

[ln 5 km/s

3-17

mr

Fig. 1.20. Specific impulses of hydrogen scramjet and
hydrogen-oxygen rocket scramjet for
hydrogen temperature 1000 K.

S T IiFD
TH-I:'IE'DGK.
—

2t === e
\\;\: H2+0q

Iy , MN s/cubm
T

Mr

Fig. 1.21 Density impulscs of hydrogen scramjet and
hydrogen-oxygen rocket scramjet for
hydrogen temperature 1000 K

VRS Rk |
— == fluliz

1'.! £
Ty, . = 2000K

A E—

10

0

- e e el — — i

5 10 15 20
Mr

Fig. 1.22. Specific impulscs of hydrogen scramjet and
hydrogen-oxygen rocket scramjet for
hydrogen temperature 2000 K.



3-18

€Z'1 814

NOTLWNNITINGD
"4°5'Y 9yl




| ‘ The A.S.P,
} [IRAG FACTOR

The A.S.F.
LIFT FACTOR

Fig. 1 24

319
IL l‘- f\
\
10 i I\ !
|
1.,, \ !
. [\ 0.0
<t | \
b } \ ?
Y,
{
08 | /W\tk*i\\\
! B
Q61 \\ = -
IRV — e
Jlf("\\ : - - __,_.---"‘-_H-H_'
Lay Jond- N i i
FQ}“\- T .._-—"'f_..--l
I A == — —
& | - T I o .
'Jf.{ . L
1y ] fi

FLTIGHT MACH NUMBE K

.1
5
s =
Fatis” e e
 —— e — C —— e e —
U i " .
2 y 6 10 12 tu 16 18 20

F1 IGHT MACH NUMBER



3-20

The A.S.P.
AERODYNAKIC e o | ;
FINENESS FACTOR  © | /
HAXINOK  and | an
CORRESPONDING /
ANGLE OF ATTACK | Va

\ i ANGLE OF ATTACK /
— T e~ . e g E R JE—

4k / FINENESS
/ ——— "

\\\1
|
|
|

al
EEN P e Lo TR § e A Ce e~ ]
G - ‘.u :6 !5 :O

FLIGHT MACH NUMBER
Fig. 1 26



-

e S ——

e e

-

e . o

4-1

SCRAMIJET CFD METHODS AND ANALYSIS
PART I. SCRAMJET CFD METHODS

NUMERICAL SIMULATION OF THE FLOW IN SCRAMIJET DUCT

V.KOPCHENOV,
K.LOMKOV, LMILLER, V.KRJUKOV, L.RULEYV,
V.VINOGRADOV, V.STEPANOV, N.ZACHAROV,
R.TAGUIROV, M.AUKIN

CIAM (Central Institute of Aviation Motors)
Aviamotornaya street 2
111250 MOSCOW
RUSSIA

1.1 Introduction

1.2 Forebody and inlet flow model
1.3 Combustor CFD model structure
1.4 Nozzle and afterbody CFD model

1.1 Introduction

The computer analysis of scramjet flow became
of great importance because of the limited possibilities
of ground tests and difficulties of measurements in high
speed/enthalpy flows. This fact is a powerful stimulus in
CFD development on the other hand. The short
description and examples of applications of the
mathematical model for scramjet duct flow developed in
CIAM are presented in this paper.

Before formulating the main requirements to the
mathematical model it is necessary to take into account
the following circumstances. The airbreathing
hypersonic vehicle is characterized by high level of
integration of airframe and propulsion system.
Therefore, the correct prediction of propulsion system
performances demands to consider the forebody pre-
compression of air entering the scramjet engine. The
afterbody of the vehicle is a nozzle extension. Thus, the
mathematical model of the scramjet duct flow must
include the description of the forebody and afterbody
flows.

At the numerical simulation of scramjet duct
flow, it is necessary to take into account the three-
dimensional effects, the real gas cffects, viscosity
influence, turbulent mixing processes, chemical
reactions. The complex gasdynamical structure of the
flow and viscosity influence require to usc the most
general hydrodynamic model - the Navier-Stokes
cquations with Reynolds averaging. The turbulence
model adequate to high supersonic Mach numbcrs flows
is required. It is necessary to take into account the
complex physical-chemical processes in air flow over
the forcbody and in inlet. It becomes necessary to

incorporate the model of hydrogen-air combustion. Air-
hydrogen chemical processcs simulation is important in
considering the flow in combustor and nozzle. Thus, it
is desirable in general casc to solve thc three-
dimensional Reynolds-averaged Navicr-Stokes
cquations for multicomponent flow with adcquate
system of chemical reactions and turbulence model.

This level of numerical simulation requires the
usage of the most powerful modern supcrcomputers. We
have used the computers with like personal one power
in our work. Therefore, the system of sufficiently simple
models has been developed to evaluate the influence of
the main processes, regime and design parameters on
performances of propulsion system clements. This way
leaves some questions open, but scems to be justificd as
really possible for preliminary design cvaluations.

Recently some surveys about CFD in
SCRAMIJET applications were published |1-6]. We
describe our own experience in this line in this report.
The system of mathematical models and codes
developed in CIAM has thc modular structure and
includes such elements: forebody, inlet, combustor,
nozzle and afterbody. Comparatively simple,
engineering models are used on the first step of thc
propulsion system performance evaluations. This is the
level "0" in accordance with [5]. Another modcis allow
to evaluate the influence of three-dimensional cffects,
real gas effects, to estimate the role of physical-chemical
processes. The most part of these codes is based on the
Euler and boundary layer equations and some
procedures of viscous-inviscid interaction. This is level
"1" in accordance with |5]. Several codes are based on
the Reynolds-avcraged parabolized Navier-Stokes
cquations and may be attributed to level "2" in
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classification mentioned above. Finally some codes are
developed for the numerical solution of the full Navier-
Stokes equations in 2-D case. These codes may be used
in local regions where strong viscous-inviscid
interaction is significant. Besides, they allow to evaluate
the influence of cffects neglected in the models of lower
level. It can be done on the cxamples of special test
problems.

It is nccessary to note, that dividing on the levels
is conventional in our casc. Indeed, the more simple
physico-chemical model may bc used with more
complex hydrodynamic model (Navier-Stokes cquations
versus Euler cquations for cxample) and vice-versa.
Morcover, the combustion model of higher level may be
used in 2-D case in comparison with 3-D casc in codes
for thc numerical solution of Reynolds averaged
parabolized Navier-Stokes cquations.

The development of alternative versions of
mathematical models and the comparison of the results
obtained with the aid of various models are uscful,
because the most part of models is approximate. The
experimental testing of existing mathematical models is
very important problem. This is necessary to cstablish
the credibility of CFD results used in design |7).

1.2 Forcbody and inlet flow model

The main requirements to the airspace planc
forcbody design may be formulated. The forebody must
have the minimal drag at fixed volume. The lower
surface of forcbody must precompress the flow with
minimal losses, to provide the required massflow and
uniform, as far as possible, air flow at the inlet cntrance.
The forebody must have blunt nosc part. Bluntness of
the nosc must be chosen on the base of compromise
between demands to be stable to the action of high heat
fluxes and to decreasc the wave drag and to provide the
uniform air flow at the entry of inlct. From practical
point of view, it scems to be justified to choose the
minimal acccptable bluntness from the heat fluxes
analysis and then to shape a forebody in order to satisfy
other requirements.

Thus, the numerical model for the forcbody must
provide the opportunity to analyze the influence of blunt
nose, the three-dimensional cffects, the influence of
physico-chemical processes in high temperaturc air, and
cflects of viscous-inviscid interactions.

The cxisting system of codes is based on
numerical solution of the 3-D Euler equations. Thesc
codes are modified to include real gas effects in local
equilibium approach. It is supposed that gas
composition, molecular mass, heat capacity and specific
enthalpy are functions of local pressure and
temperature. To complete the problem it is necessary to
usc the system of equations for the thermodynamic

equilibrium in addition to usual Euler cquations [8,9].
More simple method is bascd on the usc of analytical
approximations for the air propertics [10]. This method
is implemented in combination with Euler cquations in
some CIAM codes for forcbody and inlet flows.

Alternative mcthod was proposed in [11] for
approximations of gas propertics in cquilibrium
approach. In this casc cffective specific heat ratio
(x=a?p/p wherc a is a frozen speed of sound. p is
pressure and p is density), specific cnthalpy h and
molecular mass p arc represented as functions of two
successfully chosen independent variables. Onc of them
is the decimal logarithm of pressurc, and another - the
special function of pressure and density. It is possible to
obtain the values of x, h, u as functions of choscn
independent variables with the aid of approximation
procedure, based on some "node” points. These "node”
points arc stored as tables, in which thec main
parameters «, h, p are represented in sufficient number
of points in the space of independent variables to
provide the acceptable approximation accuracy. The
proposed method provides the accuracy 1-2% in wide
range of pressurcs ( from 100 Pa up to 10® Pa ) and
temperatures (from 200° K up to 20000° K ).

Two codes are used for the numerical simulation
of the flow over forecbody (developed by V.Kopchenov.
V.Krjukov, K.Lomkov and L.Miller). The first code for
the computation of sub-, tran- and supersonic flows is
based on time relaxation method. Thc region near the
blunt nose is calculated with the aid of this code. The
numerical method is the modified versicn of the well-
known Godunov's scheme [12). The piccewise lincar
distributions of the main parameters in all spatial
directions instead of piecewise constant distributions in
each computational cell are supposed [13]. The
modified minimal increments principle [14] is used to
provide the monotonicity condition [15]. The explicit
higher order accuracy scheme proposed in [16] for
hyperbolic systems of cquations is realized as predictor-
corrector scheme in accordance with [17].

The modified version of shock fitting procedure,
which is based on some principles proposed for 2-D
case in [18] is developed for 3-D case. The proposed
method provides the sccond order accuracy on a regular
uniform grids and conserves approximation on arbitrary
nonuniform irregular grids. The local timc step is
chosen for each cell to decrease the run time necessary
to obtain the steady state solution with the aid of the
time relaxation procedure. The experience shows that
local time step marching provides almost the twice gain
in run time, when the transition from one flight Mach
number regime to another is accomplished. Moreover,
this method with local time step is comparable by the
number of time iterations with the implicit method [19],
based on the scheme with space directions and physical
processes splitting and with global time integration step.
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The marching method is used in the regions with
supersonic longitudinal velocity component. This
mcthod is the higher order accuracy version of the
steady analogy of Godunov's scheme [12]). The same
model [11] of cquilibrium air is incorporated. The
modificd version of the scheme for 3-D steady
supersonic flows is based on the same principles as the
scheme for the unsteady case [13, 14, 16-18). The base
version of this scheme for 3-D steady flows of perfect
gas was proposed by A Kraiko and S.Schipin.

It is necessary to evaluate the influence of the
viscous effects on the flow fields. The simplified method
was implemented until recently. The boundary layer
displacement thickness is evaluated in approximate
manner along generatrices of the body in each cell
nearest the wall. Then the body surface is corrected on
thc boundary layer thickness and new “"external"
inviscid flow is calculated and so on. Such iterative
procedure must be repeated up to convergence in some
sense. This iterative procedure was developed and
realized in [20]. The integral turbulent boundary layer
mcthod [21] allows to estimate the boundary layer
displacement thickness, the momentum thickness, the
skin friction coefficient and the specific heat flux to the
wall.

The flowfield is calculated up to the inlet
cntrance. It is possible to evaluate in this cross-section
the entropy layer thickness, the extent of parameters
nonuniformity, the possible inlet arca, the boundary
layer thickness, and forces acting on the forebody and
additional forces acting on the streamtube captured by
inlet. The last is necessary for the analysis of control
volume forces.

Typical forebody solutions arc illustrated in
following figures. The flow over the sphere is calculated
for two hypersonic regimes with flight Mach numbers
M=10 for the altitude H=10 km (Fig.1.2.1) and with
M=20 for H=20 km (Fig.1.2.2). Results are compared
with the primary standard results obtained in {9]. The
pressurc and density distributions on the surfacc of
sphere are compared. The pressure and density are
related accordingly to dynamic pressure and density in
the free flow. The results are obtained on the grid
containing the 10x10x10 nodes by means of the base
Godunov's scheme and its modified version. The
distance from the sphere surface to the bow shock along
the sphere radius direction is also shown as a function
of the polar angle in Fig. 1.2.1c and 1.2.2c. It is
necessary to note the higher level of accuracy of
modified scheme in comparison with original base
version scheme.

The second example corresponds to the inviscid
forebody flow. The geometrical shape of the blunted
forebody is presented in Fig. 1.2.3. The calculations
were performed for M=10 at an angle of attack 3.9° for
the altitude 30 km. The pressure fields are presented in
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Fig. 124 in four cross-sections to illustrate the
influence of the shape change on the flow paramcters
distributions. One can see the gencration of the internal
shock and region of high compression within the shock
layer connected with the deformation of the upwind side
of the forcbody. Therefore the visible nonuniformity in
parameters distribution may be obtained at the entry of
inlet.

The entropy layer which is formed on blunt nose
part is also unfavorable factor for the inlet operation.
The conventional "total pressure" is introduced to
distinguish the entropy layer. This value is calculated
for locally frozen flow parameters. Such "total pressure”
distributions in some cross-sections are shown in Fig.
1.2.5. It is necessary to note, that the entropy layer
occupies the all shock layer in cross-sections near the
nose. But at the end of the conical part of the forebody,
the major part of the entropy layer flows on the lecward
side of the vehicle.

The calculation with the boundary layer
estimation shows the following. The boundary layer
displacement thickness in the last cross-section (see Fig.
1.2.4-d) constitutes approximately 5% from the shock
layer thickness on the upwind side of the forcbody.
These estimations were obtained by N.Zacharov.

It is necessary to note that all these calculations
were performed on the IBM PC/AT-486. The blunt nose
flow was simulated on the grid containing 5000 nodes
and it was required for this calculation about 2 hours of
run time. The run time with the marching method up to
the inlet entry constitutes approximately 5 minutes on
the same computer.

The numerical simulation of the inlet flow is
difficult task. This may be explained by several reasons.
One of them is a wide range of operational regimes at
flight Mach numbers variance from 0 up to 20-25. It is
necessary also to note the esscntial part of viscous-
inviscid interaction in the flow with deceleration. This
part is most important on regimes of starting and
unstarting. Besides that, the large nonuniformity in
parameters distributions may exist at the entrance
because it is impossible to control actively the boundary
and entropy layers.

But on the other hand, it is necessary to analyze
large number of inlet alternative schemes at the stage of
preliminary design. Therefore it is desirable to use some
simplified mathematical model of inlet flows.
Nevertheless it is necessary to take into account the
main factors influencing the inlet performances at
simplification of mathematical model. These main
factors are: the flow spreading over a forebody and
additional drag concerned with this effect; the three-
dimensional effects in the inlet flow; the real gas effects
in high temperature flow; the boundary and entropy
layer nonuniformity at the inlet entrance; the boundary
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layer influence.

In accordance with the forebody flow model, it is
possible to take into account the major part of the
factors mentioned above by using the following inlets
flow mathematical model. This mathematical model
includes: the code for the 3-D calculations of steady
supersonic flow in inlet on the base of marching
Godunov's type scheme |22]; the real gas effects in high
temperature flow are analyzed with the aid of
equilibrium air model [10]; the boundary layer
estimations on wetted surfaces are performed assuming
that the flow is attached with the aid of integral method
[21] in accordance with procedure proposed in [20].
Some examples of proposed mathematical model
applications for inlet flow fields and performances
predictions are presented in [20,22].

It is necessary to note that mathematical model is
approximate and following justification is required for
the recommendations have been made on the base of
this model. But it is possible to “optimize" inlet
configuration on the stage of preliminary design with
the aid of this simple and computationally fast model
and to diminish the number of variants for the following
investigations.

The applicability of this configuration must be
Jjustified by experimental investigation or with the aid of
some more full (if possible) and more expensive
mathematical models. Numerous examples of proposed
method application to solve various gasdynamic
problems show that local and integral flow
characteristics are defined with an accuracy sufficient
for practical  applications.  Particularly, the
computational errors in the definition of integral
characteristics (inlet capture ratio that is equal to ratio
of areas of captured stream tube at the inlet face and
inlet frontal area, mass averaged total pressure recovery
factor, additive drag coefficient ) do not exceed 0.5 -
3 %.

The calculation of the single inlet performances
was made [22]. The inlet configuration is shown in Fig.
1.2.6. The computational region is divided into some
subregions. The computational region at zero slip angle
is presented in Fig. 1.2.6-a. The inlet sidewall that
begins in section x=0 has a sharp leading edge with
sweep angle x. The cutback cowl (x=L) has also a
sharp leading edge with sweep angle a=45° . The
sidewall and cow! are wedges with angles 6=5.3° and
f=1° in planes XOZ and XOY (Fig. 1.2.6-a). Cowl
internal surface coordinates (upper duct wall) and base
plate (lower wall) are specified and, in our case,
correspond to planes y=h and y=0 respectively.

The struts dividing the inlet into central and side
passages (for the half of the inlet) have the same sweep
angle as side walls. To reduce the excessive flow
compression near the cowl, the central strut height is

reduced. Relative inlet throat area A (ratio of the arca
of captured stream tube at the inlet throat to the inlet
frontal area) was about 0.21 taking into account the
mentioned expansion.

Numerical investigation of inlet flow was carried
out for Mr=4-8 with the grid in the planc ZOY
containing 24*80 nodes. Calculations of integral
characteristics were made according to the conscrvation
equations written for control volume, which was defined
by base plate, cowl, side wedges, entry and exit sections
and upper surface limiting the freestream tube. While

calculating Cp,, (additive drag coefficient), it was
assumed for convenience in defining the airframe -
integrated inlet drag, that the additive drag force
includes not only the force acting on the liquid surface
but also the force acting on parts of sidewalls (marked
region in Fig.1.2.6-b) wetted by the flow that does not
enter the inlet. Averaging was made with conservation
of the flow rate, total enthalpy and entropy in real and
averaged flows.

The total inlet characteristics are shown in the
Fig.1.2.7 for three-strut inlet with sweep angle 48°. One
can see a varying behavior of n=f(My) connected with
the increased recovery losses at M5 because of critical
flow regime in the central passage near the cowl. But it
is necessary to note, that the evaluation of the possible
influence of the viscous-inviscid interaction on the main
inlet performances is required. Then it is necessary to
use the reliable experimental data or more full,
complex and expensive mathematical models. This fact
is confirmed by the comparison of experimental and
computational pressurc distributions along the base
plate and side wedge of considered inlet (see Fig. 1.2.8).
Unfortunately, there is no acceptable mathematical
model now to evaluate the inlet performances for
regimes near starting and unstarting. The experimental
investigations are the single possible method in this
case.

1.3 Combustor CFD model structure

The numerical simulation of the combustor flow
requires to take into account: the turbulent mixing; the
physico-chemical processes in hydrogen-air mixtures;
the complex gasdynamic structure of the flow; the three-
dimensional effects.

It is necessary to note, that two characteristic
combustion regimes can be considered in the scramjet
combustor. The combustion process in duct at small
supersonic combustor entrance Mach numbers
corresponding to flight Much numbers 6-7 realizes
basically at subsonic velocity. This is caused by the
pseudoshock wave system existing due to the mass-heat
supply. The effects of interaction of shock wave system
with boundary layer are of the great importance in the
flow regime realization. Combustion regime with the



creation of extensive subsonic regiones and recirculation
zones takes place as a result. The cstimations of the
combustion efficiecncy are madc in CIAM for these
regimes on the base of experimental data generalization.

At high flight Mach numbers combustion occurs
in supersonic stream, when the velocity remains
supersonic everywhere including combustion zone with
the exception of wall boundary layers. The estimations
of the combustion efficiency for these regimes are
carried out using mathematical model, which is based
on Reynolds averaged parabolized Navier-Stokes
equations.

It seems to be justified to develop the system of
mathematical models and a number of codes to evaluate
the performances of scramjet combustor and the
influence of the regime and design parameters on
combustor performances. This system must include both
the simple engineering models, based on generalization
of experimental data, and the most full models, which
are based on modern numerical simulation of supersonic
combustion.

Apparently, the most general model must be
based on the 3-D Reynolds averaged Navier-Stokes
equations with acceptable for high Mach numbers flows
turbulence model, for multicomponent mixtures with
sufficiently detailed scheme of chemical reactions. But
this level is inappropriate to the available computers. At
the same time, some simplifications may be used, if only
regimes with combustion in supersonic regions are
considercd . Then parabolized Navier-Stokes (PNS)
equations may be used for the numerical simulation. It
is possible to use cffective marching numerical methods
and to realize these models on available computers.

It seems that the most realistic way is to develop
the hierarchy of models including:
- engineering models based on one-dimensional
calculations of combustor duct flows with known curve
of combustion efficiency obtained by experimental data
generalization (see, for example, [23));
- codes for 2-D calculations with turbulent mixing and
combustion simulation;
- codes for 3-D effects cvaluations.

The second and the third levels may be based on
the PNS equations. But the more detailed combustion
models may be incorporated into 2-D codes. In codes for
3-D flows, it is justified to use the more simple
combustion models on the first stage. For example, the
diffusion flame sheet model seems rather attractive. But
the opportunity to estimate the applicability of this
simplified model and to evaluate the influence of the
finite rates of chemical reactions on the combustion
process must be provided.

The more detailed description of the
mathematical model is presented in the second part of
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this paper. Somc results obtained with the aid of the
developed system of codes are presented in Fig.1.3.1-
1.3.3. The combustion efficiency versus longitudinal
distance is presented in Fig.1.3.1 for axisymmetric flow
in the cylindrical duct. The regime is characterized by
following parameters in the initial cross-scction:
hydrogen jet - M,=2.9, T,=373°K;

air stream - M.=4.8, T.=1500° K.

pressures ratio in the hydrogen jet to air stream is equal
to 1.92. This regime corresponds to conditions at the
entry of supersonic combustor chamber for conventional
vehicle at flight Mach number 12. The calculations
were performed for two levels of turbulent viscosity
(8o=3*10% and 2.5*10°%) in initial cross-section. The
turbulent viscosity is referred to the hydrogen velocity
and the hydrogen jet radius in initial cross-section. It is
interesting to point out the higher level of combustion
efficiency for higher level of turbulent viscosity. This
example demonstrates the influence of the mixing
process on the combustion efficiency. Therefore the
mixing enhancement becomes of primary importance
for combustion efficiency augmentation.

The influence of the heat rcleasc on the
gasdynamical structure of the flow in the duct is
illustrated in Fig.1.3.2 and 1.3.3. The calculation was
performed in the first case (Fig.1.3.2-a and 1.3.3-3)
only with turbulent mixing without combustion. In the
second case, the turbulent combustion was simulated
with the aid of the flame sheet model (Fig.1.3.2-b and
1.3.3-b). The pressure (Fig.1.3.2) and Mach number
fields (Fig.1.3.3) are shown. It is intercsting to note,
that the system of shocks in duct is much more distinct
in the case of heat releasc. Moreover, the longitudinal
dimensions of "periodical" structures becomes smaller.

The developed mathematical model may be used
for the comparative study of various methods of mixing
and combustion enhancecment. This model may be
implemented to cvaluate the influence of the flight
regime parameters on the combustor cfficiency. It is
possible to perform the efficiency comparison for some
versions of injection system in combustor. Some CIAM
experience in supersonic combustion model applications
is presented in the second part of this report.

1.4 Nozzle and afterbody CFD model

The exhaust system of airspacec plane is
characterized by the following features: the integral
scheme of the nozzle and airframe; the principle of
combined propulsion system; the 3-D schemes.

In the integral scheme of exhaust system and
airframe, the surfaces of the nozzle are at the same time
the airframe surfaces. Therefore the exhaust system
performances must be determined taking into account
the afterbody flow. The principle of combined
propulsion system supposes that various engines or their
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combinations may be used on some sections of flight
trajectory. In this case the cxhaust system is a nozzles
combinations of various engines (liquid rockect, turbojet,
scramjet), operating simultancously or sequentially in
time. The mathematical model must provide the
determination of longitudinal and transverse forces,
moments of forces, skin friction forces and heat fluxes
on the walls of the exhaust system, thrust direction and
its location point.

The proposed mathematical model may be used
to evaluate the influence of two factors mentioned
above. This simplified mathematical model for 2-D
flows is based on the following principles. The
computational region is divided into several subregions.
The supersonic inviscid flow is described by the steady
Euler equations, which are solved numerically with the
aid of Godunov's type marching scheme. The version of
the scheme is used, which was proposed in [24]. The
integral method is used to describe the boundary layer
and mixing layer flows. The skin friction and wall heat
fluxes are evaluated with the aid of the integral method
[21].

The method [25,26] was developed to determine
the basc pressure and base enthalpy behind the
backward step, which is flowed by two different
supersonic streams. The method allows to determine the
base pressure and enthalpy taking into account the
influence of Mach numbers, Reynolds numbers, initial
boundary layers thicknesses in main streams. The total
pressures and temperatures are different in two flows.
The gas is considered as perfect with different specific
heat ratios in two streams. The method permits to
estimate the influences of mass blowing into the base
region and heat flux through the wall of the base face on
the base pressure and enthalpy. The model of viscous-
inviscid interaction [25,26] was used to determine the
parameters in the base region. The original condition in
reattachment point was proposed [25].

In general case, the configuration of the exhaust
system-afterbody involves the base face. Moreover, the
exhaust system is considered as uncontrolled. Therefore,
large base regions may arise in exhaust system flow on
the acceleration part of flight trajectory, when scramjet
engine does not operate, and some additional engines of
combined propulsion system operate. It is known that
large thrust losses may exist in this case.

The possibilities of the proposed mathematical
model are illustrated in Fig.1.4.1-1.4.5. These results
are obtained by R.Taguirov and M.Aukin. Some
estimations were performed for conventional vehicle
exhaust system in the case of turbojet engine operation.
The flow field is illustrated in Fig.1.4.1 for supposed
regime, corresponding to flight Mach number 1.3. The
bypass of the gas was realized through the duct of the
non operating scramjet engine. Two base regions in the
exhaust system flow take place. The thrust losses

constitutes in this casc more than 30 % from the idcal
thrust.

The flow picture is shown in Fig.1.4.2 for
another conventional regime. It is supposed that the
combined propulsion system operates at flight Mach
number M=2 in such manner: the liquid rocket and
turbojct engine are operating, and massflow bypass is
realized through the scramjet duct. The external flows
over afterbody and nozzle cowl are also considered in
this case. Besides that, the base region exists ncar the
base face of afterbody-exhaust system configuration.
The thrust losses constitutes in this case approximately
20 %.

The Mach number contours are¢ shown in
Fig.1.43 for conventional regime, corresponding to
Mr=10. Only scramjet engine operates in this case. The
performances of the exhaust system were evaluated for
the conventional regimes of My from 4 up to 16. The
exhaust system configuration presented in Fig.1.4.3 is
considered. The thrust losses arc obtained in
comparison with ideal thrust as function of flight Mach
number and are shown in Fig.1.4.4. The dependence of
the slope of the thrust vector on flight Mach number is
presented in Fig.1.4.5.

It is necessary to note, that the developed
mathematical model is approximate and has serious
restrictions. This model is being modified now to
include the three-dimensional and real gas effects. The
experimental investigations are required especially for
regimes with large separation zones to verify the
numerical codes.
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PRESSURE DISTRIBUTION ON SPHERE SURFACE
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THE PRESSURE FIELDS
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THE COMBUSTION EFFICIENCY FOR TWO INITIAL
JLEVELS OF TURBULENT VISCOSITY
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RESEARCH AND DEVELOPMENT OF RAMJETS/RAMROCKETS
PART Il INTEGRAL LIQUID FUEL RAMJETS

Prof., D.S¢. V.SOSOUNOQOV
CIAM (Central Institute of Aviation Motors)
2. Aviimotormaya St. 111250 MOSCOW

RUSSIA
SUMMARY LR - hquid rocket;
RJ - ramjet engine;
ftepral hiquid  fuel  ramgets have  some SPRR - solid propellant rimrocket;
specific features influencimg on thew arcangement SR - solid rocket.

and construction.  Among  such  features  are:
mostly bigger size and working duration thin by
SPRR, the necessity of fuel manifolds and
flameholders, and  also wall cooling  svstem
arrangement  n combustion  cimber,  the
possibihty of fuel flow and nozzle posmion
control dunng flight on different speed/altitude
trajectories. In this lecture there will be discussed
some ems, concerning the mentioned [LFRJ
features:

- The integration of ram combustor and
booster.

- Duct flow nstabitity during the ejection of

booster cise,

- Fuel supply device and effective combustion
in ramjet.

- Adaptive control of rinmet on ditferent fhght
tragectories.

NOMENCLATURE

A - arei;
d - disuneter:
G - mass flow rate;
H - altitude;
M - Mich number;
q = p,V.,2/2 - dynmamic pressure;
r - range.
T - temperature;
t - time;
\% - flight velocity;
o - angle of attack;
A - dimensionless velocity coefticient;
P - density.
INDICES
- fuel;
0 - ambient atmosphere:
ABBREVIATIONS
AB - after burner;
ABE - air breathing engines;
LFRJ - liquid fuel ramjet;
LH, - liquid hydrogen;

1INTEGRATION OF LIQUID FUFEL
RANMIETS WETH BOOSTER

e concepts ol the nussiles mitegration
with fiquid fuel rangets (LFRJ) and SPRR s
propulston systems luve their features, specitic to
the conditions of using each nussile type, As
known by practice, the solid propellant ram-
rocket engines e the most preferable on small
“air-to-ir” and “ground-to-ground” missiles, the
hgquid fuel ramgets are preferable on larger “wir-
to-ground” and "ground-to-ground” nussiles. The
man - charactenstic sections  of the  tegral
ramjets (solid or liquid fuels) are given i g
3.

The relanive low gross tiuke-oft werght and
fow operation times of “wir-to-ar” and "ground-
to air” nussiles predetermine using on them the
SPRR with fixed gas-mr flow  passage s i
propulsion system of the second nusstle stage.
The cast or ranyet case-well-bonded grinn of &
solid propellint booster with ejectable nozzle (or
nozzleless sohid booster) is nsed to Nl at most the
volume m the SPRR.

Fig. 3.2 shows the principle schiemes of the
integral anyets of ditferent class and apphicanon,

Opposed to the nussiles with the SR the
integration  of  the missiles  with ramyets s
associated with solving some  problems cansed,
first of all, by Iugh structural complexity of
separate  elements  and  components  of tie
combustor and jet nozzle as well as of the fuel
and velncle actiator control systems.

The type of the start G ground and
subntirine) defines o booster grim muss. which
may highly difter, due to a significant difterence
in time from the nussile start to the rmyet
operation imtiation.

Presented at an AGARD Lecture Series on ‘Research and Development of Rum'Scranijets and Turboramyjets in Russia, December

1993 10 January 1994.




When  designing the ramjets for ".anr-to-
ground” skl missifes (d = 350-450 mm) due to
the severe restoictions m oo free volume, they are
sl where possible. the siiplest solstions
terms  of  the structure: the  orgimization  of
burning process stabilized on o bottom without
fliimeholders, o fixed  frontal < unit  at  the
combustor inlet with it fixed supersonic nozzle
(the missde of Kh-3ltype) and using, where
possthle, thernul barriers of the combustor wills
(of ASALM type) instead of air-tihim ones (see
Fig. 1.2).

The other concept of the mtegration - the
fociition of the sobid propellant béoster together
with o case m the hgumd fuel ramget combustor i
used for the high gross take-oft weights aind high
engime operation tune of “ground-to-ground” and
“wir-to-ground” nussiles. In this case the compact
location of the engine elements, components and
uns comphicated m the structural manutacturing
(unfoldimg  fuel mnntolds  and  thimehol.ers,
nozzle Map control mechvsm) e the hinnted
voliume  of combustor s needed to 0l the
combustor volume by mserted sohd  propellan
booster the most tully.

Using the serted sohid propellant booster
has ats advantages and allows:

- independently to develop a booster and rampet
on the speciahized test heds:

- to use a hght ranyet combustor with ar-tilm
cooling. the most reasonable for ligh operation
time;

- to ase the same module of the rimpet on
mussiles of cifferent application with siginicantly
different  thight  paths  and  ditferent sohd
propellant booster engies such as 1 ASMOMSS
missile of double application,

A wide range of using such an engme tor
thght alnitude and velocity s provided by abo
stepped or smooth control of the nozele throat
area after the sohd propelant booster ejection as
well as by o wide range of tfuel Mow control that
18 possible with iquid fuel.

The type of Lunchers (or the location of
misstles om0 carner), as o well as Linncling
conditions mtluences directly the ntegration ol
velincle with o ranmyget Both these factors defuie,
first of all. the type of the wr mtake and s
placement on i mussile. Al present. as known, the
missiles with ir intakes of different types are
developed:  nose  (fromtal),  removable  (two-
dimensional, crirculor, segmented) and  ventral,
Their location s determined by the type of
launcher,

The indvidual suspension under o tuselage,
das i rile, does not it the chaoce of take type
The nussles with ventral intake are the ot
rablnid for esesctle Bichess of 5 i LTHATES
usiig the nose i mtake s the most reasonnable
for nusstles of submarine st

Frg. 3.2 allustrates the scheme ot the
mtegral hagmd tuel vanpet wath the niserted sohd
propellant booster. Fig. 33 shows abso all possible
types of mbtiakes that are used on exstiy and
developable missles.

Fig. 3.4 shows fongituchinal section of the
integral higmd fuel anyet. - wineh the trontal
wmt il thaneholdeis are untolded after booster
erection and the supersome nozzle throat section
s varible.

Ihe possible sehemes of mtegration ot the
vnget and solid propellant booster, presenied
Fag. 30320 and 33 10 a considerable extent e
assoctited with the size of the velucle and engie.
depend on the selocity, up to wineh @ sold
propellant  booster  operates,  the  stuatg

conditions, ete

Sa. the problem of solid propetlant booster
structire matchimg with cruseng ramget i a0 ke
question e desigmmyg the whole of - propuision
sastem and means a0 reasonable compromise m
the  selection ot the contiguration and  the
veluele

JANTEGRATION OF LERI WIHTH BOOSTER
AND DUCT FLOW INSTABH TTY

Uinstedy processes. suchas o booster
crection, anlet sttt - unstart, combustor stan
nistt, change ot tuel mection. selt evarted
osailltion nmlet or combustor, ramyet reaponse
o extertal shock waves and so ol e veny
unpostant pat ol mtegtal rampets tunctionmy.
becanse they can lead 1o the engme distiuction

Numencal sunulinon s the only way of
imvestigations of this processes, s rule, becase
expermmental researches are very expensive, need
perdect eqmpment. and can lead to expernmentl
model destruction.

Mherctore. the mathemancal models and
munencal cades  tor unsteady processes
sinubation were worked  out i CIAM. Tlas
models based o 1D and 2D unsteady  Luler
equations for reacting gas maxture. They nclude
vartous experamental cind empincal dies, and
tike into account  different  construction
peculianties of researched  ramjet.  Numerical



codes are based on the second order uccuracy
Godunov - Kolgun algonthm.

Now, let me present you some results of

unsteady processes  munencal  simulition,
fulfilled i CIAM. In Fig. 3.5 you can see the
scheme of Liguid Fuel Ramjet with the ejected
booster. used as the first stage of nussile. All
imvestigation, Il tell you, were tultilled for such
type of ramyets.

Gas__oscillation _in__closed _inlet  during
missile _acceleration. On the first part of missile
trjectory  the ramyet’'s inlet is closed by the
booster. If thght Mach number is greater then 1.3
- 2.0, then selfexcited oscillations in ramyet’s inlet
appeiar very often, They can lead to ramyet
distruction, We  use nmumernical  sumtlation to
predict the appearance of selfexcited oscillations,
To calciibate then cll"'"lf”\'t.\ Jdid I.r\'\]“tllhlk's, ta
predict the etficacy of different ways of this
sncilbdron umpliide decreaang i Fig 36 v
see the exinmple of such numencal sunulition,
Fhight Mach nwmber equals 2.5, the maxmal
wichmensional sanphtude s about U4,

Booster _ejection. The next problem, we
deal with, is the booster ejection - see fg 3.7
Mathennical model, we use, describes bouoster
motion and gas dynamic tlow m ramyet’s duct
together  Aerodynamie  and  nertial - forees,
frction, ovtenual atlow daround ¢jected beoste
and other effects are trken into account. You see
i Fig. 3.7 the tume evolunon of hooster velocity
and s Tocauodi. So we call predict the possibilivy
of blow mteraction between the booster and
ramyet nozzle,

In Fig. 3.8 the time evoluton of self
excited osaollatton durimg the booster ¢jection 1y
presemted. And in Figo 39 you can see the
comparison of - experumental  (enrve 1)y and
nmercal (corve 2y simulation of gas dvianug
low, mduced by the moving booster. You see
good  agreement  between  numencd  and
expernental results - So, we can calculate the
values of dyvimie loads, apphied to the anternal
surface of rnmget and mmtiated by moving shocks
and supersome zones. 1Us g very nnportant result,
beciause the unsteady acrodyianue loads can tear
off the defense screens in combustor.

All this results can be sumnurized as a safe
ejechion  area,  presented  an the
parimeters: hght Mach munber, fight altitude m
Fig. 210 Curve | s a0 boundary of  blow
mteraction between booster and ramyet nozzle,
curve 2 1s the boundary of combustor destruction
due to lugh pressure in front of booster, curve 3
- the mussile trajectory. The nussile’s trapectory

space ol

-3

piut, picked out an Fig. 310, s possible the
booster ejection.

The combustor start. In Fig. 3.11 you can
see some results of the next unsteady process
numerical  simulation - the combustor start.
Mathematical model, which we uvse, bases on
unsteady Euler equation for reacting gas mixture.
We suppose, that there exist an equilibrium state
i subsonic combustion chamber. 'We take mto
account experimental dates for the length of
burning  zone,  coeticient  of  combustion
completeness and so on. We ftind the dynamic
loads, the maximum temperatuce e combustor
and other parmeters of unsteady tflow. The main
and very important effect, we've found, is follow.
The imtiation  of wir-fuel  mixture leads to
appearance  unsteady  stress waves, that  move
from combustor to ranyet inlet and decreases
g shomt taie the tatal airflow thuough raigel
duct. In Fig. 311 you can see the time evolution
dl e excess cocllicnedt Uurve (8 i g sleady
approximition, when total arflow s constant and
only  tuel  weight  tlow  changes. Cunve  (2)
deseribes o real wisteady process, curve (3 s 4
stable combustion boundary.,

You see. that vnsteady decrease of air-
exeess colficrent can be very strong {from steady
vitllue 1.8 to muumal value about 0.9). Therefore,
o the optumil value of air excess coefficient on
the stunt part of mnsale’s tngectony s abowt
o~ 1.2-1.3 and the stable combustion boundary is
4bout ¢ 0.9, the antomatic control system must
provide combustor start with a= 1.8, and only
atter that ncreases slowly the weight tuel flow to
necessary value ¢ L2-1 3 And durimg combustor
restirt regime, automatic control  system work
must be organized by the same way - see Fig.
REN

Self-excited  oscillation - combustor. In
Fag. 312 you cin see the numenical simulation
results of self-excited osallation in combustor,
working on near-stoichtometne ar-fuel mixture.
The physicd nature of this oscillation 1s follow.
Lets suppose, that we ncrease fuel myection so,
that ur-excess coetlicient  decreases to the value
1.0, Then the combustor heat increase too.
At thie same moment the stress wiave appearances
m combustor and moves to the ramget nlet,
decreasing the total wmrtflow. Therefore the value
of a becomes less than 1.0, for example o = 0.8.
Than combustor heit decreases, the stress wave
becomes weaker, the tot: airflow increases for
the short time to value « = 1.2. But very soon
the constamt value  of fuel mjection leads air-
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excess coefficient to it's steady value a=1.0, and
all process, described above, repeats,

Ramjet response on external shock wave
and atmospheric nonuniformities. In Fig. 3.13
you can see the result of numerical simulation of
shock wave motion through the ramjet. The
moving shock increases the total airflow through
the ramjet duct. Therefore air excess coefficient o
increases too. New value of a must be less than
stiable combustion boundary.

All this numerical researches were fulfilled
in the CIAM and were used for development of
different Russian ramyjets.

3. FEATURES OF THE COMBUSTION
PROCESS ORGANIZATION IN RAMIET

The scheme selection of the combustion
process argamization in the straight-through-flow
type combustors  (ram combustors) s mostly
defined by the flow parameters at 2 combustor
mlet such as pressure P, temperature T, and A -
velocity coetficient.

A possible range of change m  these
parameters in modern afterburners and  ramyet
combustors 1s tabulate in Table 1.

Table .
Combustor type P, T, A
kPa K
Turboyet 40-600 900-1200 0.20-0.25
atterburner
Turbotan 40-600 600-850 0.15-0.22

afterburner with
flow muxing
Ramyet combustor40-600 350-1300 0.20-0.22

It follows from the Table that feature of the
booster-sustatner ramjet combustors 15 o wide
range of vartations in a combustor mlet wr
temperature which covers & possible cluinge of
the teimperatiire i all existing afterburniers.

When  the  turbojet  afterburners  were
creatitg the comblstion process  orgmi zation
scheme with consecutive realization of  fuel
mixing, vaporization and combustion processes
dlong the combustor  was developed. In such a
scheme of combustion process organization the
fuel is supplied to flow upstream Hameholders
& dstance  sufficieit to ity pl'.lClI.\.uH,\y futl
vaporization and mixing with gases entering to
the afterburner. Under conditions typical to
afterburners the fuel burning length L, depends
mainly on mutual arrangement of fuel stabihizers

and is equal to L, = (10-12)B, where B s un
average distance  between the axes of two
adjacent flameholders. The given scheme of the
combustion process orgamzation has proved iself
and at present s bemg used widely in turbotan
afterburners with flow nuxing. Fig. 3.14 shows the
typical arrangement of fuel mamfold and Tame
stabilizers  for the turbojet  and  turbotun
afterburners.

Using the mentoned scheme  tor the
combustion process orgaimzation in the ramyet
combustors led, us a rule, to significant problems
with providing the stable operiation of these
combustors at low inlet air temperature (T<
S00K). These problems were associated with the
fact that the combustors of the mentioned
scheme of the combustion process organization
show o great tendency to the excitanon of the
regular longtudnial gas pressure fluctuation in
them, particulagly m fuel reach mixtures.

Studying the combustion process of the
atonmized ligind fuet at low flow temiperituies
showed that o decrease 1n combustion  process
stability was due nostly to a reduction m i
degree of the fuel vapunzation  ahead of
flameholders, the deposition of fuel droplets on
the flameholder walls and, hence. a sigmticant
enrichment of the gas with fuel, bemg m the
recirculation zones atter them |3

Fig. 315 gives the  expernmiental
dependence of the air excess coefhicient m the
Mumeholder recirculation zone oy, on the fuel
vaporization degree z upstream the thameholder.
It tollows from the presented data that at z - 0
the gas composition mn the recirculiation zone 1s
approxmutely 2.2 as nch as  the  nuxture
approaching to the stabihzer,

At high e temperature (1, - 1100-1200K)
the  fuel selt agmition s possible  upstream
thuneholders. The burn-out and destruction of
Mameholders i this case are mevitably,

Therefore, tor the  ramjet  combustors
operating at the low ndet ir temperature CIAM
suggested the other scheme of combustion
process opmndtion, so-Colled scheme with e
separate fuel supply. m which the processes of
fuel minture, vaponzation iind burmng take plice
simultaneously.

The proposed scheme of the combustion
proces ormunzatien witll separdte Tuel supply
allows 1o provide:

- &t stuble combustor operation at low air inlet
temperature (T, < S00K):
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- high reliability of the combustor operation
at high air infer temperatures (T, > Y00K):

- maximum possible stability of the combustion
process under high altitude conditions;

- the maximum simplicity of the structure when
developing the combustor  with  unfolding
flameholders.

However, there ure some problems m
providing high combustion efficiency ot low ar
temperatures  and,  besides,  the  special
requirements  are  made  on  consumption
charactenistics of fuel mamfolds at such scheme
of the combustion process orginzation.

Schemes of Combustors of Liquid Fuel Rinmyet
Integrated with Booster Engine

Let us consider now the possible schemes
of the thameholder mounting in the r cooled
combustors  of booster-sustainer ramjet. In the
case when the length of the booster engine, thint
is placed into combustor, s less than the extent
of fuel burning zone length or equal to i, the
flameholders and fuel nmunntfolds are stationar
located it the combustor as i the turbofan
afterburners.

In case when the length of the booster
enginie exceeds the extent of the burn-out zone,
the unfolding (turmng) fumeholders are needed
to mstall. This s associted with the fact that the
enlargement m combustor fength bevond required
for the fuel burimng out leads to the increase
ar flow to its coolmg system and m ths
connection to o reduction i fuel combustion
eftficiency i the fuel rich region.

Fig. 216 presents the schematic diagram of

stich @ combustor. At the mmtal moment of tune
the  fhumcholders  are  located close 1o the
combustor wall as the booster engine occupies
practically the whole volume of the combustor.
After 1its jettison the tlameholders are untolded
(turned) and are set nto operiting position. After
that the ramyet combustor s started. Scheme ot
such  unfoldig radial fiuneholder 1s shown m
Fig. 3.17.

Process - LFR)

Charactenistics  of  Burming

Combustors

To compare the characteristics of the fuel
combustion process in the modern accelerating-
sustnning  ramjet  combustor  and  turbofin
afterburner with flow mixing is of interest, when
the combustion process in the latter is organized
by the traditional scheme.
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Two combustion chimbers with the sane
relative length of the hot section (Li/H - const)
and approxiniely the same scheme ot the iter
combustor process control  were  selected 1o
compire.

Fig. 3,18 and 319 llustrate the regions of
the stable burnimg mn these combustion chinbers.
It follows from the data presented m Fig. }I¥
that at Ty, = 770-820 K, A = 015 and P /P,
0.5 the  burning i afterburner as stable m the
riange of the ur excess coetficient vagiation of 0.9
< a < 0.7. The mmunmum value of pressure
afterburner, at wlich the fuel combustion s
possible under these condhtions s /P, — 0.27 (u
= 2.0) |4].

Decrease i afterburner inlet temperature
to T, = 500 K leads to the fact that e P/P, =
0.5 the combustion is stable only at « > 1.25 and
the mumimum pressure at this  temperature s
P,/P, = 0.32 and corresponds to « = 3.0.

The rther compheated curve, bounding
the region of the stable barg m the atterburner
with obviously marked musumum. 15 transtorined
for the ranyet combustor mto o stright hine
abowe which the burnimg s stable and below
winch it s impossible (see Fig. 3.19),

AU the same values of b and 24 the
mumumm gas pressire. when the combustion s
sull possible s much  the sime in both
combustion chumbers. The difference s e fact
that under the nmum gas pressure condition
the burmmg e the afterburner s possible  at
pracucally the same value oo whereas an the
ramyet combustor it s possible 1o wide runge of
a varhon.

Fig. 320 compares  the  combustion
ethciency for two considered schemes ot the
combustion process orgunzation - combustion
chambers with close relative length of hot section
(L,/B) 3], It tollows from the diagram that it the
combustor mlet i tempersture hes i the range
tvpical 1o the fterburners, the  combustion
etficiency s practcally the same in both schemes.

Increase w tlow temperature up to T, =
1170 K in the ranget  combustor  shiglnly
mtluenced the combustion efficiency value n it
Decrease  in ramjet  combustor  inlet  air
temperature to T, = 360 K with i stmultaneous
reduction in fuel temperature to t; = -50°C led to
the fact that the maximum combustion etficiency
i at did not exceed the value n = 0.08.



So, the use of the developed scheme of the
combustion process orginization with sepuration
fuel supply allows to create the booster-sustainer
ramjet combustor operating in more wide range
of inlet air temperature in comparison with
commbustors  designed  accordinig  t0  tentitiond
scheme.

Features of the LFRJ Combustor Start

In conclusion it should be said several
words about the features of the combustor
starting in the modern booster-sustainer ramjet.

If the ramjet has o fully-variable nozzle,
the combustor may be started under the same
conditions as the afterburner of modern turbotins
and practically by the same means. It the ramyet
is equipped with the nozzle, having a constant
throat  area, or two-position  nozzle, the
combustor starting  under these  conditions
becomes a more complicited problem.

The point s that in this case, after the
booster e¢ngine jettison and unfold of the
flameholders in their operating position, such a
flow regime in the combustor is set when the
flow velocity between the flameholders becomes
equil to the sonic one (A = 1.0). The combustion
process stabilization with such velocities of the
flow in the combustor, using hydrocarbon fuels,
is ripossible,

Therefore, the special starting devices of ligh
hewt power with rather hiph Hime oF opention areé
used to start the ramjet combustor. In this case
after switching on the starting device, firstly, the
gas flow in the combustor is transformed to the
subsonic one due to heat release in flow as a
result of the fuel portion combustion, delivered to
the combustor, in hot jet of the starting device.
Only thereafter the combustor 1s 1giited.

4. CONTROL OF LIQUID FUEL RAMJET
(LFRJ)

Solid propellant ramrockets have limited
possibilities of in-flight control. In comparison
with them liquid fuel ramjets can be widely
controlled.  Control  stages of SPRR in
compirison with LERJ are shown schemutically
m Fig. 3.21.

The automrvtic control system (ACS) is one
of the basic components of LFRJ on
manufacturing  quality  of  which the flight
performance of aircraft depends. [t is necessary
to provide the LFRJ missile flight on differemt

and  rather complicated flight paths  (see  Fig.
3.22), over the course of which the thght altitude
and speed are varied in o wide rimge. It requires
the change in wide ranges of the engine thrast
and fuel consumption dehivered to 1t on ditferent
sepivtenits of Hleht ph As the eimme  thired
depends on the atmospheric conditions,  they
must be taken nto consideration i controlling
the fuel consumption through the engine. In
connection with the fact that LFRJ are used, as
a rule, on unmanned ureraft the engime ACS
must  be algorithmically integrated  with  the
aireraft flight control system  to provide the
required thrust on all the flight path segments.
In this case both inter-engine  parameters and
also the parameters used m the  aireraft thght
control system are utilized to  control the tuel
consumption through the engine |2}

The necessity of rational using all the
volumes on unmanned aircraft  leads to the
advisability not only of algorithmic but also
hardware integrition of the engine ACS with the
fight  control system  under which all  the
cialeulations are performed by the same onboard
computer and only the transducers and actuators
are installed i the engine.

Target of LER} Countrol

In selectmg the control parameters and
prograqn, i addition o the provision ol the
required engme thrust on all the thght path
segments, the minn task is also provision of the
best Mgl cleveactenstics of aiecratt on all clieck
flight path, namely, the most effective use of
sustain fuel reserve. Besides, the LFRJ control
tusks mvolve  the hmtation  of  the  engine
operation regimes and ureraft flight, providimg
the condiions for no-tulure operation of the
mitin engine and aireratt components. Among
such  restriction are:

for the aircraft

- the minimum rm deternining the possibilities
of wircraft maneuver;

- the maximum ram determinming the loads on
aircraft components and elements;

- the maximum air stagnation  temperiature
defining the material strength of the arcraft
structure;
for the engine

- the provision of adequate margins ol tuel
combustion stability,

- the provision of adequate margins ol mtake
operation stability (stall margin);

- e presveitnn o redoction i Digly Macli
number below the minimum Mach number under
which the flight becomes impossible at all  vilues
of fuel consumption and air excess coefficient,

R




The LFRJ control tasks involve ulso the
provision of its reliable starting.

The mentioned restrictions of the engine
operation regime and vehicle flight determine the
boundaries of the Ilatter application, area i the
M-H coordinates.  Fig. 323 depicts  the
application area of the “air-to-surface” nissife as
an example. The  left bottom of the arei
boundary of "wmr-surtice” missile application s
defined by the nunimum Mach number. Fhe left
upper part of the apphcation area  boundary 1s
determmed by the minimum  ram, surge
boundary of the intake, combustion instability
and again by surge boundary of the intake. The
right upper part of the apphceation area boundary
1s defined by maximuily admissible  stagnation
temperature of air flow and the right  lower pant
of the boundary - by the maximally  pernussible
valdes of ir ram.

The bomndanes of the velucle application
area depend on the parameters of the velucle and
engime as well as the engime control program
atmosphenc conditions.

The thight control program is selected ~o
that Mach number - flight alutude dependencies
(operating modes hmes) were not beyond the
boundanes of the velucle application area during
the whole thght for all possible trigectones and
atmospliene conditions (see Fig. 2.:3). In this
case the conditions of no-fulure operation ot all
the basic components of the engme wind vehicle
are provided.

Structure and Control Loops of ACS

Fig. 324 shows diagram-scheme of the
rampet - ACS. The  control  system generally
involves the control loops of fuel consumption,
nozzle thrast area and mtake geometry.

The tuel  consumption  control  loop
performs all the above mentioned functions, he
fuel consumption control loop s made o
hydranhic  fuel  metenmg vt controlled by
electrical signals from the aireraft computer.

The control loop of the nozzle throat area
is used v the control system to match the mtake
and engime operation regimes as well as to
provide the adequate margins of the mtake
stability at high thrust levels necessary on wirerifl
climb and acceleration regimes.

The control loop of the intike geometry is
used for improving the engine fuel efficiency if it
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s required to provide o wide range ol varnaton
in tlight Mach number

The control loops of the nozzle and mtake
may be made both with wimnterrupted change of
s geometry and as two-position ones - with
relay chinge of the intuke and nozzle geometry.
In the first case the et flight characterstios i
only httle more than the mreratt charactenstics
with relay control of the nozzle aid intake At
the sime time an the second  case the gas
dynanues forces may be used to move tlops of
the nozzle and mtake e signaificantly decreases
the cost, dimensions and weight of the control
system and  makes it possible 1o place somwe
additional quantity of the sustiin tuel o board
and to improve the wireraft flight ¢haractersties.

Using the control loops of the nozzle and
intake s more effective, the Lirger the ancrafl
sizes (the more the fuel reserve) and the wader
the range ot sarnation o areratt altitude and
speed.

Frg. 325 aives v an exionple the effect of
the nozzle control wmtroduction on the thght
charactenistics of the “mr-surfiuce” nussile. Curse
[ shows the nussile thght range - Lunch aittude
dependence  only with the tuel consumption
control according to the program

) ;

('l '(I RIE A\I).

Curve 2 0 b 325 0ostrates the sumlar
dependence with the fuel consumiption control
and twa-position control of the nozzle according
1o the program

Gy = 1P, MUAD

e

A= yHL D

Curve 3 brgo 323 displiys the nussile
thght rimge with the tuel consumption control
and two-position control of the nozzle and mtake
accordimg to program

Gp= 1Py, MUA))

dine
A" = fh(H, M)
AII\ il '1( r\'l.(l )

It is seen that the fhght range, depending
on i Launch altitude, with the mtroduction of the
two-position nozzle control increases by 40-68%
and with the introduction of the intake control
loop - by 13 -17% more.
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To provide high flight  aircrafl
characteristics with sufficiently reliable operation
of ull the main airfrinme and engine components,
it is necessury very carefully to select the
commind parimeters and to optimize the engine
control program. The engine control program is
to be optimized in close mutual trade-off with
the selection of the aircraft flight control
program. Developed for this purpose are the

chariicteristics calculation program complex of

the engine and aircraft as a whole and also a
number of service and auxiliary  programs,
facilitating significantly and reducing process and
tume  of the contiol  progiam  oplimization
respectively.

During the optimization of the airerafl
flighy and engiie control programs the command
signals ACS parameters are selected in such a
way as to provide rather wide area of aircraft

application, covering all the required regimes of

its flight, including the most economic ones and
at the same time to obtain such thrust-economic
engine charactenstics which permit the flight to
be made along the all check paths (see Fig. 3.23).

The complex selection method of the
program of the ramyjet and vehicle flight control
permits all the possibilities of the engme and
velucle to be used and so to unprove the light
characteristics of vehicles with LFRJ. Resides, the
developed method makes it possible to select
such directions of works on the main engine and
vehicle components that  will lead to the
maximum  improvement of the flight
charactenstics  of  vehicles with  LFRJ). The

calculations show that the flight characteristics of

the modern vehicles with LFRJ may be improved
by o factor of 2-3 as a result optimizing the
charactenstics of the main engine and vehicle
components as well as the program of the engine
and flight control.

CONCLUDING REMARKS

The integral liquid fuel ramjets are the
most promising propulsion for missiles of quite
big size and long distance flight because of their
exclusive energetic effectiveness and compuctness.
In companson with SR missiles, which thrust
vitlues are permanent during the flight, the thrust
of liquid fuel ramyjets s depend on airtlow, ie.
velocity and altitude, and on fuel, i.e. control
system and on ntake/nozzle control, and cun
therefore change in wide range under required
flight conditions.

So LFRJ-missiles are very effective on low-
altude  trajectories, on  high altitude and on
trajectories of combined type. Because of thrust

control flexibility the LEFRJ-missiles has bigger
mean trajectories speed then the SR missiles.

As the rather new propulsion the hiund fuel
raomjets  this system  has many  possibhilities of
vuture developiment: fuel energetic, more effective
control system modes, new naterials and hght
stricture, improved external gas dynamics.

Many successfully acting in service LFRJ-
missiles show that dvantages.

ACKNOWLEDGMENTS

The author is indebted to CIAM colleagues
for the available muntenals and for heln of ats
preparation: Dr. M. Mikheenko (1). Do Sc¢. F.
Stobodkina and  Dr. Egorustikin (2), D AL
Kudrjavtsev (3), Dr. Yu. Kulikov (4) and also
Mr. V. Grachev, Mrs. L. Zhemuranova, Mrs. M.
Sapronova for their permanent assistance.

REFERENCES

. Bonaapok b.C.. Uavsuienko C.M. [lpsvo-
TOUHbIE BOMIYUIHO-PEIKTHBHBIE AsHraTean. M.,
OGoponri, 1938, 392 ¢.

2. Opros B.B.. Muwmur 1., Peitaens AL,
Creminos  M.H., Tonuees KL.HU.  OcHoubl
MPOeKTHPOBAH N PAKETHO-MPAMOTOMHDBIX
asurateneii  ans  GecnMMOTHBIX  NeTATeMbHbIX
anapatous. M., Mauwusoctpoenste, 1967, 424 ¢.

3. PaywenGax B.B. v ap. duinueckne ocHoubl
pabouero  mpouecca B KAMEpPaX  CrOpiaHUA
BO JAYIWHO-PEAKT! ISHbIN aBHratenei. M.,
Maunocrpoenne, 1964

4. TeopHst BOIVILHO-PEAKTHUHLIX  BHENIC 1K,
Moa pea. CM. LUnsixtenko. M.
MaunHocTpoetine, 1975

5. Zaitues C.A., Kyseuwos B.P., Kynues M.
BrmsiHite mporpesa 11 HCMAPEHHA  KHAKOrO
TOMIMILA  HA MpoUece TOPEHHN B MOAeNbHOW
KiMepe cropatitd. QHIMka ropeHust KW B3pblBa.
T.27, Ne6, 1991, ¢. 45-52.



\1

|
din bin

bex nex

Fig. 3.1. Liquid fuel ramjet with inserted booster. Base crossections.
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Fig. 3.2. Typical layouts of different classes missiles with integral liquid fuel ramjets.
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Inlets type

circular nose separated underfusel
air inlet air inlets air inlet o

Integration problem

® SR ejection o folding flume stadilizer
® cholise of air inlet type o variable nozzle

Fig. 3.3. The LFRJ and booster integration miin features.

il

Fig. 3.4. The view of LFRJ combustion chamber (the folding fuel manifolds and stabilizators, and variable
nozzle are seen).
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Fig. 3.5. Liquid fuel ramjet with separated solid fuel engine.
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Fig. 3.6. Self-excited oscillation in ramjet's inlet, closed by solid fuel engine.
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Fig. 3.7. Numerical simulation of stage separation. Time evolution of solid fuel engine's velocity.
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Fig. 3.8. The evolution of self-excited oscillatio in ramjet inlet during the stage separation.

Fig. 3.9. Experimental (1) and numerical (2) simulation of gas dynamic flo in ramjet duct, induced by the
stage separation,
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Fig. 3.10. The stage separation area in the space of parameters: flight mach number, flight altitude

curve (1) - boundary of blow interaction between solid fuel engine and ramjet’'s nozzle;
curve (2) - boundary of combustor destruction, due to high pressure in front of solid fuel engine;
curve (3) - missile's trajectory.
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Fig. 3.11. Combustor start numerical simulations
a) Time evolution of air excess coefficient
curve (1) - quasisteady approximation;
curve (2) - unsteady process;
curve (3) - stable combustion boundary;
b) Fuel weight flow along the missile trajectory
curve (1) - optimal regime;

curve (2) - the fuel weight flow, goverited by automatic control system;
curve (3) - combuster restart.
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Fig. 3.12. Numerical simulation of self-excited in combustor, using near-stoichiometric air-fuel mixture.

a) Time evolution of air exess coefficient;
b) Mass heat combustion dependaiice on air exess coefficient;
¢) The total airflow change during self-exited oscillation.
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Fig. 3.13. The uir excess coefticient change, mduced by the shock wave, passing throw the ramjet.
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Fig. 3.14. Scheme of modern turbofun afterburner.
I - flameholders, 2 - mamifolds, I - flow mixing device.

5-17



5-18

oy y
—,__
[ J
p 1/
—®
— @
25 * | /°
®
¥
— +
0 as 10 7/-ZF

Fig. 3.15. Experimental dependence of air excess coefficient in recirculation zone on fuel vaporization level.
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Fig. 3.16. Scheme of combustor of the ramjet integrated with a booster.
a - before booster cjection, b - after booster ejection;
I - flameholders, 2 - booster engine.
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Fig. 2.17. Scheme of an folding radial flameholder with “carburator”.
I - Mameholder, 2 - fuel manifolds,
3 . "carburator”
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Fig. 3.18. The boundaries of stable combustion region in turbofan afterburner.
®._T =770 -820 K. x = 0.15
O-T,=500K,A=0.14-0.15
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Fig. 3.19. The boundaries of stable combustion region in ramyet combustor.
O-T,=3500K,A=0.14-0.15
O-T, =360K,x=015-010.
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Fig. 3.20. Combustion efficiency of modern afterburners and ramjet combustors.

\\\ - afterburners, L,/B = 10.5, T, =600 - 850 K, P, = 70 - 100 kPa, A =0.15.
Ramjet combustor, L/B = 9.5,
O -T,=99K, P, =65kPa, A =0.17-0.22;
e T, =1170 K, P, =60 kPa, A = 0.25;

0 -T,=700K, P, =50-060KkPa, A =02
A -T,=360 K, P, = 300 kPa, A = 0.2.
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Fig 3.21. Control stages of SPRR/L.FRJ.
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Fig. 3.22. Typical flight trajectories of air-surfiuce missile.
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Fig. 3.23. Air-surface missile envelope with typical trajectories.

O - start, * - finish,

RAMJET —  MSSLE
atmospheric
- flight param.
trajectories
angles

Nozzle | [Fuel-flow| | Intake Flight

control [ control [ | contrel | | control Target

parameters

Fig. 3.24. Automitic control system diagram.
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Fig. 3.25. Dependence of air-surface missile flight of the ramjet control complication, by different start
height.

1. Fuel flow control.
2. Fuel+nozzle control.

3. Fuel+nozzle+intake control.
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RESEARCH AND DEVELOPMENT OF RAMJETS/RAMROCKETS
PART III. THE STUDY OF GASEOUS
HYDROGEN RAM COMBUSTORS

y
Prof., D. Sc. V.A. Sosounov,
CIAM (Central Institute of Aviation Motors),
2, Aviamotornaya St.,
111250 Moscow,
Russia

SUMMARY

The peculiarities of H, ramjet turboramjet
high efficiency ram combustors are discussed,
which include some special questions, stch is:

- flame stabilization behind nozzle edge;

- increase of number of nozzles and ram
combustor lenigth reduction;

- separate combustion without mixing of flames;

- uniform spread of fuel and air in chamber
section;

- the experiment on model burner series;

- methods of effective H, combustion in shor
combustor.

NOMENCLATURE

A - area;

d - diameter;

G - mass flow;

L - length;

M - Mach number:

N - number of nozzles;

p - pressure;

S - distance between nozzles:
T - temperature;

w - speed;

3 - equivalence fuel/air ratic;
§ - nozzle edge thickness;

n - fuel combustion completeness;
P - density.

INDICES

a - i

b - combustor, combustion;
f - fuel;

fl - flame;

n - nozzle.
ABBREVIATION

A - airg

AB - afterburner;

ABE - air-breathing engine;

B - combustor;

C - COMPpressor;

F - fan;

FV - fNying vehicle;

GH, - gaseous hydrogen,

GH, T - gas (vapour) hydrogen turbine;
HE - heat exchunger,;

LA - liquid air;

LH, - liquid hydrogen;

P - pump;

R - reduction gearbox;
T - turbine:

TF - turbofi;

T) - turbojet;

TR - turborocket engine.
INTRODUCTION

Unique properties of hydrogen allow to
study and develop a great number of new types
of engines with complex thermodynamic cycles
having a substantially better charactenistics and
parameters in comparison with the conventional
gas turbine engines.

These unique properties of hydrogen enable
to significantly amprove the  parameters  and
churacteristics of the air-breathing engines:

- to mcerease the specific thrust (per 1 kg/s of
air flow) by 1.5 - 2.0 times;

- to increase the specific impulse at maximal
thrust by 1.2 - 1.5 times;

- to increase thrust/weight ratio by 1.5 - 2.0
times;

- to increase the maximum speed use of the gas
turhine engine by using of cooling cupacity of
LH, tit M., = 5-7.

These advantages are gained . different
types of the LH, - ABE. At present in diffe:ent
countries and companies there is under way an
extensive work for searching of the optimal type:s
of the LH, - air-breathing engines suitable for
the initial acceleration phase of the aerospace
system - the third generation of space vehicles.
This significant theme is not a main subject of
that report. Therefore one may confine to the
demonstration of some ABE proposed by a
number of engineers and companies and tising
the cooling and energy capacity of the hydrogen
or both these properties (Fig. 4.1). Morphological
research by Zwicky |1} shows that such types of
the LH, - ABE can be more than 10000. Using
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the liquid oxygen if it is abroad permits
additionally to improve thrust and weight of the
turborocket engines.

All of LH, - ABE, which are developed for
high Mach numbers flight vehicle, have reheat or
ram combustor chamber (for example,
turboramjet engine for Zinger). The operational
behaviour of H, combustion chamber is
significantly differ from ram combustors, using
liquid or solid fuels.

I. MAIN PROBLEMS

There are considered ABE designed for
subsonic and supersonic FV. The special
problems for scriamjet are not discussed further.

Liquid hydrogen in tanks as a result of
cooling of hot engine components or in speciil
heat exchangers must be gasified and enters the
combustion chamber as a gaseous state.

The experiments shows that the effective
burning of the hydrogen in the primary
combustion chambers of the gas turbine engimes
(ahead of the turbine) presented no special
problens: it is peceisary 10 increase the air supply
to the primary zone of the chamber and to
ensure an intensive mixture of the hydrogen with
the air, for example, with the help of the swirling
of these component flows in the injectors and
combustor domes.

A wide range of problems is posed while
burning the hydrogen in the reheat and ramjet
direct-flow combustion chambers of 4 small
length (Fig. 4.2). Such combustors are specific to
reheated turbojet and turbofan engines and also
to  high-speed ramjet,  turboramyet  and
turborocket engines with subsonic speed of the
air and the gas in the ram combustors. In such
chambers there occurs the diffusion combustion
of the hydrogen flowing out of many nozzles as
opposed to the burning of the homogenized
mixture of the kerosene with the air in the
conventional combustion chambers.

Research series of the burning of the
hydrogen in such combustors carried out in
CIAM by the author together with collaboritors
{2, 3, 4, 5] found out the conditions the
hydrogen flame stabilization at the nozzles and
also the possibilities of nozzle number increase to
reduce the combustor length in the event of
isolated combustion without confluence of
flames. While meeting these conditions the reheat
and ramjet combustion chamber using the
hydrogen can be made 2 - 2.5 times as short as i
combustor using the kerosene.

2.STABILIZATION OF THE HYDROGEN
FLAMES

The first problem is a stabilization of the
hydrogen flames at the nozzles (Fig. 4.3). The
experiments in the open ir flow showed that the
nozzles must have a sufficient edge thickness to
realize the condition of the flame stabilization in
the recirculation zone (RZ) behind the edges,
namely the time of air-fuel mixture staying in it
must be more than the time of burning. Obtained
in the experiment the relationship generalized in
correlating parameters, shows that stability of the
hydrogen diffusion flame 1s well above than of
methane flame. Received dependencies allow to
select the required aren ratio of the fuel nozzles
and its edges thickness to obtain the stabilization
of the hydrogen flame in the required operating
range.

3. RELATIVE HYDROGEN FLAME LENGTH

There are examined the vanations of the
relative hydrogen flame length L,/d, from the
speed ratio of the air to fuel W, /W, in the open
ar flow (Fig. 4.4)When the nozzle edge
thickness i1s equal to 0. the maximum {lame
length s observed Following the oy o OGN
Abramovich [6] at W /W, = | With the finite
nozzle edge thickness the flame length decreises
continually with the air speed increasing that is
related to more intensive hydrogen burning in the
recirculation zones. The rate of decreasing in the
flame length growth with the relative edge
thickness increasing.

One can obtiamn the generalized relationship
of the relative flime length on the complex
parameter ivolving the speeds and densities ratio
of air and fuel at the fimite nozzle edge thickness
(in Fig. 4.4 below, lett).

4. FUEL NOZZLE NUMBER

It is known |2} the idea about the diffusion
flame reduction with fuel nozzle number
mcreasing. In thus case at the same fuel flow the
flame length L as aganst that of a single flame

]
L" decreases with

Ly = Ly /N, ()

where N, - is a nozzle number (Fig 4.4, right).

This dependencies used for designing the
combustion chambers. However, nozzles in
pylons must be located so that the flames did not
interact with each other and did not confluent
into one common flame (Fig. 4.5).
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The minimal critical distance between
nozzle axes S° was determined by experiment.
This distance decrease with increasing of the
relative air speed and the nozzle edge area.

5. HYDROGEN COMBUSTION CHAMBER-
NOZZLE SYSTEMS

In Fig. 4.6 are given the results of the
experiment on a imodel burner having some
lateral fuel manifolds located in one plane or
separately. The number of the nozzles in the
manifolds is varied as well as an inclination of
their axes. Spacing between the nozzles met the
requirements S > S*. The separate disposition of
manifolds with an axial fuel feed proved to be
best in combustion efficiency and hydraulic
resistance (burner 3).

In accordance with the relationship (1) one
may introduce the concept of the equivalent

_
relative length of multi-nozzle chamber Lh. This

length resembles the relative one of a single
nozzle chamber of the same length L, and
diameter dy, |12} in the combustion efficiency

o Ly N.n
[h_qu_l_?,\/E_ (2)

[ ]
By means of the parameter [h one can compare
the chambers with different nozzle nurnber such

__*
that L, can be varied both by chamber length L;,
or the nozzle number N,

The combustion efficiency 1, derived from
the heat combustion Hu, depends on the
equivalent chamber length and fuel-air ratio f3.
One may select on the basis of the experimental
data the type of the function  f(j§) at which the

parameter Z -~ E; f(3) will define a unique

fashion of the combustion efficiency n. The
function {(f3) has a different form at § < | (air
excess) and B > I (fuel excess). Obtained in such
a way the generalized relationship of burning
completeness of hydrogen (Fig. 4.6) enables to
estimate by calculation the combustion etficiency
characteristic at a different number of the nozzles

*
or chamber length, namely at [h = var (Fig. 4.6

on the right). Here is shown the combustion
efficiency n, determined from the maximally
possible heat generation, therefore at p < |: n* =
n (left part), and at B > 1: n* = 0 (right part).

These data show the possibility to achieve
very high H; combustion efficiency. In the usual
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operation region § = L G/G, = 02 - 1.0 by
using the speciul nozzle devices with great
number of nozzles i.e. by long equivalent relative
combustor chamber (2) the experimentally
achieved value of n were 09 - 099 in un
absolutely short combustion chamber.

CONCLUSION

The results of investigation of hydrogen
combustion chamber give us the methodology of
developing o short combustion chambers
(decreasing of length more than two times) with
stable operation in wide region of fuel/mir ratio,
the possibility of developing of CDF-codes and
design engine with hydrogen ram combustor.
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The use of cooling A )
and cnergy @ capacity

Fig. 4.1. New types of LH, air-breathing engines.
I- TJ with precooling; 2 - TJ with intercooling; 3 - liquid rocket engine whith air hquefaction; 4 -
turborocket engine (TR) with a gaseous hydrogen turbune GH,T; 5 - T) with GH,T; 6 - TF with the
GH,T; 7 - TF with the intercooling and GH,T; 8 - TR with precooling; 9 - TR with air liquetaction.

turbojet or combined engine . Lrenest ch. Kerosene

Ll.ch.JP = (2 = 2-5)Lu:h.h

@ JP - homogenized mixture combustion
@ H. - gaseous fuel diffusion combustion

Problems
- flame stabilization behind nozzles edge
- ignition and flame spread in all nozzles

- increase of number of nozzles and reheat chamber
length reduction

- separate combustion without mixing of flames
- even spread of fuel and air in chamber section

Fig. 4.2. Implementing the burning in reheating and ramjet combustion chamber.
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Fig. 4.5. Disposition of nozzles in pylons.
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Fig. 4.6. Experimental investigations of model burners.
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ABSTRACT m - bypass ratio.
N - RPM.
In this report some results of the TRE operating process P - pressure.
including those performed on specially developed  Pa - ambient air pressure.
demonstrator engines are considered. Essential technical PS - propulsion system.
requirements and design features of the experimental TRE~ PRC - compressor pressure ratio,
designed and developed at CIAM for investigatory study g - dynamic pressure.
on a test bench are shown. Test facilities for experimental RJ - ramjet engine.
investigations of TRE in “connected tube”™ manner and R - gas specific work.
experimental work technology features are presented.  SFC - specific fuel consumption.
Some results of the CIAM TRE experimental study  Sin - intake recovery coefficient.
including cngine parameters on changing to ramjet T - temperature, K.
operation mode variation. working parameters in the T - enginc thrust.
windmilling (ramjet) mode of operation. and flow  Ta - ambient air temperature.
characteristics tn the afterburner-ramjet  combustion 1 - time,
chamber are shown. A TRE based on TF parts TF - turbofan engine.
characteristics matching on changing to ramjet operation  TFRJ - turboramjet with TF as a core.
mode and engine working parameter variations when  TFRIs - TRE with TF as a core and
going to windmilling in the ramjet mode are discussed. bypass ARCC.
T) - turbojet engine.
TRE - turboramjet engine.
NOMENCLATURE AND APBREVIATIONS TR} - TRE with TJ as a core.
TRIs - TRE with TJ as a core and
A - area. bypass RJ combustion chamber.
Ard - TRIJ outer duct arca. Vx - flow velocity at ARCC inlet.
ABE - air-breathing engine. - mass airflow.
ARCC - augmented-ramjet combustion chamber,
a - ar - to fuel stoichiometry ratio  SUBSCRIPT
coefficicnt.
m a - ambient air.
b= - relative airflow c - COMPressor.
m+1 in RJ duct or TF outer duct. col - cooling system, air.
cor - corrected parameters.
C - flow absolute velocity in compressor or  ¢x - exit.
turbine flowpath. f - fan,
FV - flight vehicle. g - gas. turbine inlet.
fin -ratio of free strcam cross section area tod  in - intake, inlet.
inlet area. m - mean value.
k - adiabatic exponent. n - nozzle.
M - Mach number. oil - oil.
Ax - flow M at the ARCC inlet. r - ARCC. rcheat.
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- Ram duct.

- screen,

- total parameters.

- tangential component.

- flight conditions.

- windmilling mode.

- ARCC inlet.

- sca level static conditions.
- throat; critical

lei(:"'ma

*) Dr.. Senior Scientist, Head of Division. **) Dr.. Senior
Scientist, Head of Department. ***) Dr.. Scnior Scientist.

parameters.

INTRODUCTION

In the second half of the fifties in connection with the
successful launch of the first Earth satellite there was a
significant growth of interest in advanced high supersonic
and hypersonic flight technology. CIAM began
fundamental studies of combined ABE whose operation
process is bascd essentially on evolution of the concept of
the bypass engine with reference to flight conditions at
high supersonic specds. At the same time the foundation
of their theory was laid.

Studies were conducted on a varicty of TRE tynes based
on T} and TF as a core and uscful {ields of application
were determined. For the first time, methods of engine
configuration selection were determined, which is essential
in the case of the TRE for optimum matching of the
parameters of gas gas turbinc and ramjets. A theory of
TRE operation was developed when switching from one
operation mode to another, operation in ramjet mode at
maximum flight speed under conditions of high kinetic
heating. including the modes with turbofan
(turbocompressor) windmilling. The extensive theoretical
research into turboramjet performances. structures and
application possibilities was carried out before
experimental work began.

Bench tests of experimental full-scale turboramjets were
carriecd out at CIAM in the 70-s [1]. For experimental
work the TRE types on the basis of TJ (with common
ARCC) and TF (Fig.1) were chosen.

Investigations into real operation and performance of the
TRE were conducted within  the programme of
development. together with test bench studies of several
versions of full-scale TRE demonstrators. created in
production TJ's. There were studied Performances on
switching for various operation modes, in the ramjet
mode. with cooling of the heat stressed components; also
studied were the operation conditions of rotor supports
ctc. For the first time tests were conducted on an
experimental TRJ under simulated flight conditions at M
=3 - 4 (Tin = 300 - 600 C) over a long period (several
hours) [1].

All these investigations were intended for development of
a cruise mission FV using kerosene. However, the results
obtained and the Russian experience of liquid hydrogen
use [2) open up possibilities for development of TRE for
FV using liquid hydrogen as fuel.

Experimental demonstrator engine investigations are part
of an advanced power plant design methodology created
in CIAM - the national scientific centre of the engine
industry. CIAM carrics out scientific supervision of the
work conducted in engine and accessorics design burcaus
and related rescarch institutes {1]. The principle of this
methodology. which assumes stage-by-stage development,



consists of building a scientific-technical base prior to the
engine development phase. This principle includes
development  of new construction materials and
technologies. design. and testing methods. design and
development of experimental parts. components, gas
gencerators, engines with gas-dynamic, duration and cyclic
testing. Although this initial phasc is characterized by
relatively low costs with respect to the total programme it
is however very important in providing ncw engine high
quality and efficiency (Fig.2). Application of the
methodology favours aircraft and engine development
matching.

CIAM has the largest rigs to investigate engines and their
components in  altitude  conditions. The unique
experimental base of CIAM allows performance of
comprehensive tests of engines of practically any thrust
and power.

As an example of an up-to-date powerful facility for
investigation of supersonic engines there is an altitude
facility with a multimode generator of flow disturbances
at engine entry, an automated system for monitoring
experrnental  processes.  up-to-date means of data
processing (Fig.3). which enable the investigation of
non-umform flow effects on engine performance under
condions closest to those in flhight at sicady-state ond
transient regimes. The facility imitates the flight dynamic
conditions along the trajectory. ssmulating non-uniformity
of pressure distributions and pulsations at engine entry
which correspond to inlet operation at different angles of
attack and ship {3).

Some results of the TRE operating process experimental

investipations are presented below [4.5. 6.7.10].

I. EXPERIMENTAL TURBORAMIETS
SPECIALIZED TEST CELL

AND

Investigations into real operation and performance of the
TRE were conducted at CIAM as part of the programme
of development and test bench studies of several versions
of full-scale TRE demonstrators. based on production TI's
and their parts. The ex perimental TR) was developed on
the basis of two TJ and AB  engines of the R-11-3(0
fanuly (Fig.d) [S).

To provide a simple solution to the problems of mamtain
ability.  service.  preparation. manufacturing,  and
controlling the unified ram-duct with a shut-oft device
with remoted control was used, The ram-duct consists of
front and back manifolds and four connecting side wbes:
replaceable after-turbine nozzles which provided difterent
exit turbine areas were used (Fig.5).
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During the TRJ heat state problems study the ARCC was
equipped with a perforated screen along its length, a
distribution system of manifold fuel supply and a separate
air cooling system. This cooling system could provide
variable parameters of cooling air (Wcol, Pcol, Tcol) to
the cooling duct i.e. into the space between the external
case and the perforated screcn of ARCC. The bearing
supports of TRJ were reconstructed too. To provide
operability of engine transmission, thermo-protective
screens werc located over support cases. Air cooling
system with variable parameters (Wcol, Pcol, Tcol) and oil
system with variable oil fecd were used for bearing
support cooling.

The main goals of the experimental research were as
follows:

- complex study of operation process;

- afterburning ramjet combustor operation;

- engine switching modes and operation stability;

- windmilling and ramjet operation mode characteris- tics:

- passage hydraulic characteristics;

- power output possibilities:

- ramjet combustor and nozzle cooling at M = 3.5-4.5;
- cooling system impact on operating parameters;
structure heat state and transmission operability.

Tests on experimental TRE engines were conducted at the
facility with an attached air pipeline. with the air
parameters behind the inlet reproduced at the engine entry
(Fig.6). The maximum entry air temperature realised at the
facility corresponds to approximately M = 5. It is
provided by hcat exchanger and flame heaters (with
recovery of normal air  composition by oxygen
replenishment) and. in case of need. may be increased.
Air pressure at eniry reaches 900 kPa. The facility has
several hundred channels for temperature and pressure
measuring in static and dynamic modes. The facility
dimensions allow testing of any current supersonic engine.
This cell was also equipped with an injector exhaust
system. The test facility was equipped with separate
controlled air cooling and oil systems.

The parameters of air flow at the engine inlet were
changed in the range:
- Ptin = 0.1..0.2 MPa,
- Ttin = 270 - 900 K.

The variable parameters of cooling air for ARCC cooling
were changed in the range:

- Tteol = 400..900 K,
- Pteol/Ptr = 0.95...1.40.
- Wcol/Wxin = 0.03..0.23.
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The bearing cooling air pressure was varied in range up
to 0.5 MPa and oil pressure on entrance to bearing
supports was changed in the range:

- Poil = 0.16...0.22 MPa.

The air mass flows through ram-duct and ARCC cooling
air tube were controlled by changing the shut-off device
damper angles. During the experimental investigations
measuredthe following parameters :

- total and static pressures and total temperature at the
engine inlet;

- total/static pressures and total temperature at the
compressor inlet and outlet. at the turbine outlet:

- total and static pressures in the ARCC and in ARCC
cooling duct;

- total and static pressures in the ram duct;

- total and static pressures and temperature at the outlet
section of both engine parts ducts;

- total temperatures in both the ARCC and the cooling air
streams;

- wall temperature of perforated screen along its length:
- cooling air flows through both the cooling duct and the
bearing supports;

- temperatures of bearin2 support cases:

- cooling air temperatures at entrance and exit of supports:
- ail temperatures a1 entrance and cxit of supports:

- o1l flow through bearing supports;

- engine rotational speed and some other parameters.

The layout of the engine and ARCC preparation is shown
in Fig.6. Engine continuous operation time at M =4..4.5
was about 3 hours.

2. THE EXPERIMENTAL INVESTIGATIONS OF TRJ
TRANSITION TO RAMJET MODE

The transition from gasturbine to ramjet mode talso
windmilling mode) is of great interest for TRJ. The first
part of tests were directed just to these modes [6]. Some
results of these investigations will be discussed. The
rational value of flight speed for transition to ramjet mode
depends on the design operating parameters, the TJ
control mode and the size correlation between typical
propulsion system duct arcas. The transition Mach number
is usually in the range 2.5 - 3.5 [8].

The working lines on the compressor map for different
modes of operation are shown on Fig.7. The gasturhine

made corresponds to the curve A, The joint operation of

TJ and R} is realized in the transition mode. In these
conditions the pressure behind the turbine is greater than
that at the ram-duct entrance. If the shut-off device opens,
the control system of TRJ must respond in such a way

that stable operation of the inlet and the engine is ensured
{4).

The RJ starting mode corresponds to zero air flow through
the ram-duct. The curves B and C ( Fig.7 ) correspond to
this mode for different values of turbine exit duct area
(this area for curve C is bigger than one for curve B ). A
certain engine nozzle throat area at the selected turbine
exit corresponds to this condition. The region above the
curves B and C corresponds to the reverse flow of the gas
part from behind the turbine to the entry of the engine.
Such reverse flow occurs if the engine nozzle throat area
An * is less than the value An*o corresponding to the
curve Wrd = 0. With lower values of An* unstable
operation of TRJ and propulsion system is possible. The
points below the curves Wrd = 0 correspond to the direct
air flow through the ram-duct. Such flow occurs if the
engine nozzle throat area An* is bigger than the An*o. If
An* is increased additionally, there is an increase of air
flow through the ram-duct at practically the same air flow
through TJ. The experimental points in the joint operation
mode are located nearly the curves B and C.

At definite values of corrected RPM the curves Wrd = 0
cross the curve A and approach the compressor stall
curve. But usually for TRJ the corrected RPM for the
transition to RJ-mode is located right of the curve
crossing point. Therefore, an error of control at the start
of RJ (the shut-off device prematurely open) presents a
danger rather for stable operation of the inlet (Fig.8). As
follows from the Figure. the forestalling shut-off device
opening leads to lowering of the TJ inlet corrected airflow
with corresponding consequences. This was confirmed by
tests of TRJ [S].

The rational control of an engine on transition to RJ-mode
process must provide not only stable operation of the
propulsion system but also thrust onset without significant
drops.

Investigations have revealed a rather narrow operation
interval, inside which a stable working process of the
power plant with parallel operation of [J and RJ parts
could be rcalized. Maintaining the TJ operating parameters
with respect to the limitations provides propulsion system
reliability on transition to RJ mode. In transition operation
the profile of ARCC inlet flow velocity changes
considerably. The transition to RJ-mode finisheds with TJ
windmilling. which may be used to drive engine
accessories.

In the wransient mode the structure of flow at the ARCC
entry is strongly changed (Fig.9). The results of TRJ tests
show that ARCC inlet flow velocity increases at constant
rotation speed approximately in proportion to the increase
in cngine nozzle area. In this case a considerable
distortion of flow takes place. For example, in the
TJ-maode the distortion of flow is not more than 10 - 20%
(the curve A in Fig.9), but in the engine parts joint mode



.

by

the maximum flow speed can exceed the mew. {iow
velocity by about 2 - 2.4 times (the curves B and C in
Fig.9). Therefore, special measures possibly would be
demanded for stable combustion in ARCC in the
transition mode.

3. THE RJ-MODE OF TRJ WITH WINDMILLING TJ

In the RJ-mode TRJ can operate with either open or
closed gas turbine part of the engine. The curve D on
Fig.7 corresponds to the windmilling mode of the T)
turbocompressor. The pressure losses in TJ in windmilling
120de depend very much on compressor corrected air flow
(the curve A in Fig.10 with the ram-duct closed). In the
RJ-mode the TRJ pressure losses do not exceed 5 - 7% if
TJ is closed (the curve C in Fig.10) or operated in the
windmilling mode (the curve B in Fig.10). Application of
the TJ windmilling mode provides an increase of engine
air flow as the additional part of the air flow is passed
through TJ and gives some possibilities for accessories
drive. However these  possibilities depend on TJ
efficiency in the windmilling mede. On Fig.ll the
experimental curve for TJ efficiency in windmilling with
energy output is presented [4).

In the RJ-mode the ARCC inlet flow has relatively little
speed distortion. At the begining of transition mode the
region of maximum speed is located in the central part of
the ARCC. and very strong distortion takes place, but in
the windmilling mode it moves to the peripheral part of
ARCC (the curve D in Fig.9). The unevenness of ARCC
inlet flow decreases if the corrected air flow also
decreases.

4. COOLING OF THE AFTERBURNER-RAM
COMBUSTION CHAMBER

The ARCC and nozzle are one of the most heat loaded
units of the TRE operating in the ramjet mode. To
provide reliability of these units. it 1s natural to use an air

- cooling system in which a part of the air is taken away

from the engine flowpath to the ARCC cooling duct (ic.
a space between the ARCC case and the perforated
screen).

In the experimental TRI. an air cooling system with a
perforated screen was used for cooling the ARCC and the
slot system was used for cooling the nozzle (Fig.12).

Experimental investigations of heat state and operability
of high heat loaded TRJ units were carricd out in the
ramjet mode operation with windmilling of gasturbine
core and simulation of Mach numbers in the range of
2.5..4. The next heat state problem tasks investigated
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were: - ARCC combustion performance with the
distortion of ARCC inlet total pressure and flow
velocities fields;

- joint opcration of ARCC and its cooling system;

- heat state of ARCC structure; - heat state of bearing
supports in the ramjet operation mode. Some results of
experimental investigations on full-scale ARCC in the
ramjet mode working process and estimation of cooling
system operation influence on engine performance arc
discussed below.

4.1, Operation of ARCC cooling system in RJ modes

The operation of TRJ is characterized by a wide range of
ARCC inlet parameter change with significant distortion
of inlet total pressure fields. The value of inlet total
pressure distortion depends on the operating mode and the
value of the corrected air flow through the engine. In the
course of the experimental investigations of TRJ the
ARCC inlet parameters of flow were characterized by the
values:

Tix = 450..900 K.
Mx =0.1..0.25.

The radial distortion of ARCC inlet total pressure was
6..12% with the gasturbine core wind- milling and
7..14% with the closed gasturbine core. Nozzle flap
location and the cooling air blowing through perforated
screen slightly influence the shape of the total pressure
ficlds in the nozzle throat section, Inlet total pressure
distortion decreases along the ARCC and corresponding
to estimates. in the throat nozzle section it is not more
2..3% when combustion takes place. ARCC combustion
efficiency under the conditions considered depends mainly
on the air-to-fuel ratio coefficient and is in a range typical
for afterburners.

The length of the combustion zone significantly influences
distribution of cooling air along the perforated screen of
ARCC. Combustion zone length can be characterized
indirectly by the static pressure drop on the ARCC screen
measured along the ARCC. As experiments show (Fig.13),
fuel combustion is finished in a distance of less than 2/3
of ARCC length.

The cooling air flow variation and its distribution along
the ARCC are defined by very complex processes in non-
uniform flow with combustion in ARCC. The hydraulic
characteristics of the ARCC cooling duct depends on the
discharge cocfficient of the holes and duct pressure loss
cocfficient. These factors variation was examined in the
course of the investigation (7].

Analysis of the cooling air parameters in the ARCC
cooling duct has revealed that the cooling air temperature
along the cooling duct changes slightly. When the total
pressure ratio is Ptcol/Ptx < 1 the cooling air temperature
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at the duct exit is 20..30% higher than the value of the
duct inlet temperature (Fig.14). This temperature variation
is explained by penetration of hot gas into the cooling
duct through the holes in the perforated screen part of the
duct. However, the change of cooling air temperature in
this case is not great, It should be noted that a small
change of Ticol along the ARCC has no practical
influence on the hydraulic characteristics of the ARCC
cooling duct, and it is possible to use an assumption
about the constant value of the cooling air temperature
along the ARCC cooling duct.

The results of experimental investigations showed that
distribution of cooling air along the ARCC perforated
screen depends on the variation of both the cooling air
and the ARCC gas paramecters in 2 wide range. The
variations of the corrected airflow in the underscreen duct
and the gasflow in ARCC as a function of the ratio of
total and static pressures in the characteristic sections
were obtained.

The results of experimental investigations enabled
definition of the hydraulic characteristics of the cooling
duct and ARCC in joint operation. In this case the
following reasons were adopted as a base :

- For pressurec defining characteristi cross section which
is located at approximately half length of ARCC was
adopted; in this section the combustion is mainly
completed and main part of pressure losses is realized: -
air total pressure in cooling duct characteristic cross
section is taken as equal to the mean value between the
values for inlet and exit of cooling duct: ARCC total
pressure is taken as equal to the ARCC exit total pressure.

- one part of the cooling air from the cooling duct blows
out through the perforated screen and the other part of the
cooling air is used for nozzle cooling. Obtained by means
of experiment and calculation. the hydraulic characteristic
of ARCC and its cooling system is shown in Fig.15 in the
form of the dependence of the ratio of the corrected
airflow in the cooling duct to the gasflow in the ARCC,
on the corresponding total pressures ratio. The curves are
given at constant values of corrected flow density in the
duct and ARCC. The hydraulic characteristic obtained
helps to form the principles governing coolant flow.

The hydraulic characteristic of the cooling system shows,
that when the total pressure ratio is near to 1. the mass
flow ratio change is rather small in a wide range of both
ARCC and cooling duct parameter variation.

These data enable an approach 10 the development of an
optimally controlled cooling system for ARCC. For the
development of a controlled air cooling system with the
possibility of cooling air flow change in different engine
operating modes it is necessary to select the total pressure
ratio somewhat higher than 1.

4.2, Heat state of ARCC

The heat state of ARCC, which is characterized by the
perforated screen temperature Ts, depends on the engine
operating mode, flight conditions, parameters and flow of
cooling air. Using the hydraulic characteristic of the air
cooling system, one can consider the correlation between
relative cooling air flow  Wcol/Wx, mean screen
temperature Tsm and flight M number bearing in mind,
for example, the non controlled cooling system of ARCC
without conditioning of cooling air (Ptcolin = Pix,
Ticol.in = Ttx). The two possible laws of PS control in RJ
operating mode are characteristic:

- with a constant value of engine inlet corrected air flow,
which corresponds to the constant value of ARCC inlet
Mach numbers Mx independently of flight conditions;

- with a decreasing value of inlet engine corrected air
flow s flight M number, which corresponds to a drop in
ARCC inlet Mach numbers; in this case the air flow
through the engine is limited by maximum inlet
productivity.

The variation of mean screen temperature and relative
cooling air flow is shown in Fig.16 depending on flight
Mach numbers in ramjet mode operation and the
air-to-fuel ratio cocfficient a = 1.2.

It follows that the relative cooling air flow changes very
little, although the change of TRJ parameters for these
two laws of PS control is significant. At flight Mach
number M = 4 the mean screen temperature is Tsm =
1150...1230 K and the relative cooling air flow is 12%
approximately.

At flight Mach numbers M < 4 the cooling air flow in an
uncontrolled cooling system is significantly higher than
necessary for optimum cooling. Because of this the mean
screen temperature at lower flight Mach numbers is rather
low. For the two laws of PS control there is very little
distinction between the mean screen temperatures. For
example. at M = 4 the increase of Mx from 0.13 to 0.18
provides a decrcase of Tsm by 80 K. In this case, the
cooling airflow decreases by 2% approx.

TRJ throttling at flight Mach number M = 4 by decrease
of fuel supply 10 ARCC causes a decrease in Wcol
because of lower heat pressure losses. However, the
decrease of air cooling flow is lower than necessary for
an optimum cooling system. In this case, bigger coolant
flow also provides low screen temperature.

The results of full-scale TRJ experimental investigations
in simulated flight conditions at Mach numbers M =
2.5..4 have shown that with an uncontrolled ARCC air
cooling system with perforated screen in non-design
flight conditions (lower flight Mach numbers or engine
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throtiling at M = 4) the relative cooling air flow is
significantly higher than the required value. This lcads to
thrust performance aggravation in thesec modes, Improving
per- formance is possible by choosing rational coeling air
parameters and using the controlled c'ooling air flow
system.

The results of TRJ experimental investigations cnabled
development of a method to compute the engine thrust
performance characteristics taking account of the influence
of cooling air flow mixing with the main strcam.
Performance estimations were made according to the two
types of ARCC which are used in different types of TRE
[9): ARCC in engine common exit duct (“cylindrical”
ARCC) and ARCC in separate ramduct ("coaxial” ARCC).
In performance definition account was taken of the
nonuniformity of total pres- sure and temperature in
ARCC and nozzle and the screen heat state,

It was considered that the cooling system was operating
in optimum mode. in which the necessary value of
cooling airflow is defined by the limit value of screen
temperature. The ratio of thrust and SFC values to their
conditional quantities, without accounting for cooling air
flow output (fig.17) was used as a measure of the degree
of influence of cooling air low output. The performances
given are dependent on flight Mach number along the
trajectory with dynamic pressure ¢ = S000 kg/m?2 and i
air-to-fuel ratio coefficient a = 1.2 for screen materials
with different temperature limits.

A significant increase of cooling air flow takes place at
flight Mach numbers M = 4...5. At the higher flight Mach
numbers the necessary value of the cooling air flow
becomes very high with significant  increase of loss of
performance (Fig.17).

Itis possible to decrease the amount of cooling air at high
flight Mach numbers by the use of a conditioning system,
which decreases the cooling wir temperature. Fig. 18 as an
example shows the influence of cooling air temperature
Ticol on both thrust and SFC for two different types of
ARCC using the same screen material in the flight
conditions M = 5. H = 25 km. TRE with common ARCC
has a higher thrust value of 7...18% and lower SFC of 2%
than TRE with separate ramduct because of the latters
larger arca of cooling surface. To provide equal values of
cooling air flow output in both engine types the cooling
air temperature in TRE with “coaxial” ARCC must he
lower by 100...150 K than in another type of ARCC. The
SEC variation vs Ttcol is rather small.

To cnsure ARCC operability up to flight Mach numbers
M =4,.4.5 there is no need for a conditioning system. At
higher flight Mach numbers the use of such a sysiem is
a necessity. A rational type of cooling air conditioning
system dcpends on duration of cruise flight at the
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maximum  flight speed, fuel cooling capacity
(hydrocarbons, LH2) etc.

5. BEARING SUPPORTS HEAT STATE IN RAMIJET
MODE OPERATION (WINDMILLING CORE)

The bearings which are used in the supports of the TRJ
gas turbine core define the engine's reliability to a high
degree. Reliable and long-term operation of bearings is
possible only when the bearing temperature is lower by
40...50 C than the tempering temperature of the bearing’s
material (7).

Synthetic oils are used for cooling and lubrication of
aviation engine bearings. Increased flight speed leads to
the increase of inlet engine air temperature and heat loads
on units and construction clements of the engine. The heat
flow into the engine's supports incrcases if an oil with
limited operating temperature is used. When flight
speeds are higher than M = 25..3. operability of
gasturbine engine supports should be achieved using
special structural measures.

One of the most effective methods to ensure bearing
support operability is the use of active thermo-protection.
This comprises the setting up of a protective screen over
the support case under which conditioned air from the
engine cooling system is supplied. The layout of an
experimental TRJ support is shown in Fig.19. Al supports
for experimental TRJ had autonomously controlled oil
supply and thermo-protective screen under which cooling
air with controlled parameters was supplied.

Some results of heat state investigation of cxperimental
TRJ bearing supports in ramjet operation mode with
windmilling of gas-turbine core are discussed below,

The summary value of heat flow into the oil cavity of
supports depends on:

- heat of friction in bearings and seals;

- heat flow through the details of the bearing supports;

- heat flow from hot air, which penetrates from the engine
flowpath through the seals into the oil cavity.

The experimental investigation of TRJ support heat state
showed that along with the TRJ transition to ramjet mode
with windmilling of gasturbine core the redistribution of
relative values of cach of the above mentioned heat
components takes place. It has been determined that part
of the friction heat in the bearings decreases because of
the decrease of both the rotor RPM and the axial forces.
Heat ftow through the details of supports and heat coming
from hot air penctrating into the oil cavity components
rises because of inlet temperature increase and aggravation
of scal operating conditions. The total heat flow into the
supports rises as compared with gas-turbine mode
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(Fig.20), so the exit support oil temperature rises too and
achieves its limit at certain flight Mach numbers (Fig.21).

Autonomous oil supply to each engine support in
combination with air cooling supply have enabled
investigation of the influence of both oil and cooling air
parameters on TRJ support operability. The experimental
data for relative cooling air flow and relative support exit
oil temperature depending on relative cooling air pressure
are shown in Fig.22. At the relative pressure ratio
(Ptcol/Ptin) > 1.7 the cooling air flow ceases to rise and
the support exit oil temperature also stabilises,

A cooling air supply under screen space enables a
significant decrease in the support exit oil temperature and
ensures engine transmission operability at flight Mach
numbers M > 2.5..3. The use of a thermo-protective
screen, under which cooling air is supplied, ensures
engine support operability up to M = 4..4.5 (Fig.21).

6. TFRJ} PERFORMANCE IN THE R} OPERATING
MODE

The operating parameters. thrust and SFC performances
and control principles of TRE types based on TF core
(TFRJ and TFRJs ) at higher flight M numbers (transition
and ramjet operation modes). including some cxperiments
with imitation of these conditions. are considered below.,

6.1. Fan performance in the RJ operating moade

To maintain low losses in the air intake with flight Mach
number increase the fan corrected airflow should be
decreased. as follows from the equality of airflows in the
stream at infinity before the air intake and in the fan at
the area ratio fin . Ain / Af:

~0 S . 0
b Tte
FL . M-
N-To Ta

fin-nin

(Wicor/Wlcor o) - — e

(Yfcor o/af) ‘.}n;-(}’l:.-./l’.\). A

where (Wfcor/Wfcor o) is the relative corrected airflow in
the fan, This tendency is particularly clear when the area
ratio becomes constant (Fig.23).

For example, when area ratio is cqual to Ain/Af=1.5. up
10 certain flight M numbers. the airflow in PS is defined
by the fan working at the maximum RPM (fin < 1. the
part A-B of the operating line). At higher Night M
numbers the airflow is limited by air intake maximum
productivity (fin = 1. the B-C part). The typical arca ratio
would be approximately equal to 1..2 [9]. As lollows
from Fig.23. at M = 4.5 , corresponding to such arca
ratios corrected airflow decreases to nearly 20..40% of

the maximum design value. The fan corrected RPM
decreases by the same order.

Let us consider the peculiarities of fan operation at low
rotational speed (Ncor/Ncor 0<0.4). On Fig.24 (curve A)
the typical fan characteristic at low rotational speed is
shown (it is implied in the conditional fan stage which
reflects the low staged fan operating process). At point 1
the flow angle of attack at mean radius is of some
positive value, the difference of tangential velocity
components Delta Cu > 0, fan expended work is positive
and the fan pressure ratio value is near 1. When the
counterpressure behind the fan reduces, the operating
point is shifted to the right on the characteristic, and this
is followed by "stretching” of the velocity triangles,
decreased of angle of attack, Delta Cu, ex- pended work
and PRCf. The point 2 corresponds to the case when the
Delta Cu and expended work values are equal to 0, i.e.
the fan operates in the free wind- milling mode and
presents hydraulic drag in the air flow (PRCf < 1). The
combination of such points at various rotational speeds
gives a line of fan windmilling mode operation (curve B).
With further shift of the operation point down along the
characteristic (up to exit section choking) the transition to
“turbine” operation mode takes place. At point 3 the
Delta Cu and expended work values are negative, and the
fan can provide some power.

The example of zero work (free windmilling) performance
lines for fans with different design pressure ratio values
is shown in Fig.25. The less PRCfo, the less pressure loss
and the wider the range of air flow in the fan on
windmilling. At design pressure ratio values 2...2.5 and
(Wcor/Wcor 0) < 04 the total pressure decrease in
windmilling fan flowpath is of the same order as that of
the pressure losses in the separate ramjet duct of the TRE
(9.

In the RJ operating mode the airflow in the engine inner
part (gasturbine core flowpath) is near to zero. Under
these conditions the fan turbine becomes the consumer of
power being produced by the windmil- ling fan. The
turbine resistance to rotation is defined by so called
ventilation losses, which arisc as a result of energy feed
1o the airflow in the turbine flowpath and also by the
turbine disc friction losses. The turbine driving work is
proportional to the air density and to the rotational speed
value in the power of about 2.7. A turbofan working in
typical RJ operating mode condition analysis has showed
that because of low rotational speed ad- ditional pressure
decrease in the fan driving the turbine is usually small
9.

Experimental investigations of TFRJ mouels based on
production TFs with replaceable nozzles (Fig.26) and
external oil supply unit were performed on the special
CIAM test facility on the connected tube scheme (see
above).
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The higher the flight Mach number and inlet pressure
recovery and the lower the design fan pressure ratio, the
less the pressure loss in the fan on windmilling.
Experiments on full-scale TFRJ models have demonstrated
the possibility of RJ mode performance with rather low
losses with a windmilling fan (Fig.27). It is possible to
use a windmilling fan for driving engine accessories in the
RJ operating mode. The cxpediency of using the fan to
drive the power plant accessories in the ramjet mode of
operation depends on its efficiency as a "turbine”, values
of the work taken-off, thermal conditions and other
factors,

If a windmilling fan is loaded by external energy
consumers the operating points on the performance map
lie beneath the zero work line. However in the TFRJ
ramjet operating mode this deflection is usually
insignificant and it is possible to adopt the zero work line
as an operating line for the engine RJ operating mode.

The possibility of using a windmilling fan 1o drive the
accessories in the RJ operating mode is a significant
advantage of TFRJ and TFRIJs.

In some cases. particularly when the fan design pressure
ratio is rather high it is possible for TFRJ thrust
performance in the RJ operating mode to be improved by
arranging the bypass duct around the fan case with a
corresponding controlled shut-off device.

6.2. TFRJ transition to RJ mode

Engine transition to RJ operating mode essentially consists
of switching off the gasturbine part without engine thrust
loss. For the TFRJ and TFRJs a gradual transition process
is typical at a certain range of flight Mach numbers. The
transition process begins at Mach number Mb when
engine airflow at maximum rrting approaches the inlet
maximum airflow capacity (point B on Fig.23) and
finishes at flight M = Me when the whole (or practically
whole) airflow is feeding through the outer (ramjet)
engine part (b = ). As flight speed increases in the range
of Mb < M < Me it is necessary 1o gradually decrease the
fan corrected airflow by decreasing the core combustion
chamber fuel supply and the throat arcas of air-inlet and
nozzle thus maintaining minimum intake pressure losses.
In the transition proceeding the operating process in the
ARCC is carried out at maximum inlet flow velocity Vx
and minimum air-to-fuel ratio valuc.

To lower the TF airflew it is necessary to decrease the
enginc RPM. It is expedient to use a rather simple method
of RPM reduction by gradually decreasing the turhine
inlet temperature until the engine goes into windmilling
mode. In this case the nozzle throat areas or the common
nozzle throat area must decrease just after cessation of the
combustion chamber fucl supply.
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An example of engine parameter and performance
variations in transition to RJ operating mode is given
firstly for TFRJs (solid lines on Fig.28..30). As a
characteristic value the area ratio Ain/Af = 1.3 was
adopted in this case. The points B and E correspond to
the start and finish of the transition to RJ mode process;
the point W corresponds to the TFRJ parameters just at
the moment of going to the windmilling mode.

At M = 27 the inlet maximum airflow capacity is
reached. With further flight speed increase the engine-inlet
matching for maintaining finmax is provided by a
corresponding decrease of the combustion chamber fuel
supply. For the first time, the inner and outer nozzle
throat areas An*1, and An*2 are maintained constant. As
a result at M > Mb the temperature ratio Ttg/Ttin and the
turbo-fan RPM quickly  decrease. Maintaining the
maximum ARCC flow capacity in conjunction with
decreasing the airflow in the engine gas-turbine part leads
to a rapid increase in the bypass ratio and the b value, ie.
the engine operating mode approaches the RJ mode
(Fig.29). As a result the overall heat supply in the engine
increases because of maintaining the ARCC rating at
minimum air-to-fuel ratio. However, reduction of the
engine nozzle expanding ratios is found to be a prevailing
factor in this case, and as a result the engine specific
thrust slightly decreases. For this reason the thrust
increase rate is somewhat lower when M > Mb; the SFC
increases simultaneously (the section B-W on Fig.30).

After going to windmilling mode (point W at M = 3)
engine governing is provided by optimum variation of
the nozzle throat areas. Under the flight conditions
corresponding to Mw the b value is equal approximately
10 0.9, i.c. about 10% of the overall airflow goes through
the engine inner part (Fig.29). When the flight M number
is higher than Mw it is expedicnt to decrease the airflow
in the engine gasturbine part and the latter's drag by
decreasing the An*1. For this purpose it is possible . for
example. to shift the inner nozzle central body. The
nozzle area decreases, which corresponds to inlet engine
matching with minimum pressure losses and the ARCC
inlet flow velocity limitations; the outer nozzle throat area
being constant as is shown in Fig.29 (section W-E),

Along with An*1 decrease the turbine expansion ratio and
work fall off. which leads to a decrease in fan RPM and
pressure ratio (Fig.28). When the flow in the fan turbine
becomes sub-critical. the inner nozzle arca decrease lcads
1o a decrease in compressor turbine work along with core
RPM and corrected airflow lowering. As a result the
engine airflow redistributes in favour of RJ part, and with
full gas-turbine part shut-off (An*1 = 0) b = 1. At this
moment (M = 34 on Fig.29.30) the transition to RJ
operation mode is being completed. The corres- ponding
operating point on the fan performance map is found
practically on the zero work line (point E on Fig.28).
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Along with inner nozzle area lowering the engine specific
thrust increases because of the decrease in core losses
and increase of the overall heat supply. For this reason in
the range Mw-Me engine thrust rises, and SFC varies
slightly. At M = Me flight conditions the TFRJs
parameters differ from the "pure" RJ parameters by the
value corresponding to the additional pressure losses in
the windmilling fan.

In the RJ operation mode (M > Me) inlet/engine matching
is provided by a corresponding decrease of the RJ part
nozzle throat area An*2. The fan RPM and pressure losses
are gradually decreasing (PRCf -> 1), and the engine
thrust performance is approaching RJ performance.

Now let us consider some peculiarities of the TFRJ
operating process when transition to RJ mode is carried
out, using as an example the engine with the same cycle
parameters and transonic (M = 1.3) to hypersonic (M =
4...5) thrust ratio as discussed above. For this condition
the area ratio Ain/Af would be somewhat higher than for
the TFRJ engine type (in correlation of transonic specific
thrust values), In this case the area ratio for TFRJ would
be about 14, as against 1.3 for TFRIJs.

The TFRIJ operating parameter variation peculiarities are
conditioned mainly by the mutual influence of gas and air
flows in the common ARCC inlet. As a result of core
pressure ratio decrease vs flight speed. which is not
compensated by fan duct outlet pressure variation, fan
turbine specific work decreases. Because of the fan duct
flow influence the fan operating lirc on the performance
map deflects down from the corresponding line for TFRJs.
and the bypass ratio vs flight M number rises more
rapidly (Fig.28.29). Mcanwhile corrected airflow vaiiation
vs flight M number is approximately the same as for the
TFRIs.

As a result of the higher Ain/Af ratio the TFRJ proputsion
plant approaches the maximum inlet capacity conditions
at a higher flight M number than that of TFRJ (Fig.29),
and corresponding fan pressure ratio is nearer to 1. Then,
since the transition beginning the TFRJ operation mode is
nearer to the RJ mode. Lowering of the turbine inlet
temperature at M > Mb lecads to b value increasing to
almost | when TFRJ approaches the windmilling mode.
The corresponding fan operating point lies practically on
the fan zero work line (Fig.28). Then. in the case of TFRJ
the completion of transition to RJ mode practically
coincides with cessation of the fuel supply to the
combustion chamber. As a result, the Mc number for
TFRJ is lower than that of the TFRJ (in the example
considered respectively Me = 3.1 against 3.4. Fig.29).

A rather fast TFRIJ transition to RJ mode is a consequence
of the simultaneous effect of the turbine inlet temperature
decrease and the gas dynamic influence of fan duct flow
on gasturbine part performance.

TFRJ thrust performance variation vs flight M number is
nearly the same as in the case of TFRJs. Any difference
is connected with fan efficiency decrease and higher fan
duct pressure losses. In the RJ operation mode (M > Me)
inlet/engine matching is provided by a corresponding
nozzle area decrease, and this is accompanied by RPM
and engine flowpath pressure losses decreasing (dotted
lines on Fig.29,30).

When analysing engine parameter variation on transition
to RJ mode it was assumed that the air inlet operates at
maximum capacity rating. This approach, although it does
not account for possible inlet capacity limitations when M
< Mmax, still enables simplification of the analysis and
reveals the main correlations. The taking into account of
real variable geometry inlet performance characteristics
would not change engine parameter variation principle,
but in the event of lower inlet capacity the transition
flight M numbers range would shift to lower flight
speeds.

The thrust performances of TRE in the RJ operation mode
differ from that of the "pure” RJ and are conditioned
mainly by additional pressure losses in the engine
flowpath. The TRE performance aggravation in
comparison with "pure” RJ at hypersonic flight speeds is
possible also in connection with higher airflow or other
agent expenditure for engine structure cooling.

Some engine thrust performance aggravation is also
possible in connection with the part of airflow cnergy
used for driving auxiliaries. In this case the use of a
windmilling turbofan would be possible. When power
take-off is low, this type of auxiliaries drive would be
cxpedient in spite of rather low fan efficiency when
running in the turbine mode (Fig.31).

CONCLUSION

The set of problems posed in connection with the
application of the new types of ABE. concern the need to
increase flight speed to M = 4...6.

Broad programmes of investigation of engines for high
speed flights were carried out in Russia from the 60's to
the 80's.

In the framework of these programmes an investigation of
advisable engine concepts and operating process
parameters of TRE were conducted. Test programmes on
experimental full-scale TRE of different types were
carried out at CIAM. The ecxperimental TRE were
assembled from units of production gasturbine engines.
Flight conditions corresponding to Mach numbers M =
40..4.5,. were simulated at the facility.

The results of theoretic and experimental investigations of
TRE allow us to define:



- rational methods of transition from gasturbine to ramjet
mode;

- the conditions of stable operation of the propulsion
systems with TRE in the transition mode;

- performance characteristics and pressure losses in the
windmilling mode for TRJ and TFRJ turbo-compressors;
- the expediency of the application of windmilling mode
in the RJ operation mode:

- the performance of ARCC with distortion of ARCC inlet
total pressure fields;

- the conditions of joint operation of ARCC with an air
cooling system and the hydraulic characteristics of the
cooled ARCC:

- the heat state of ARCC with perforated screen and of the
bearing supports;

- the influence of ARCC air cooling on TRE thrust
performance;

- the possibilities of heat protection of bearing supports by
controlled oil and cooling air supplies.

Solving the complicated problems posed by the
development of new aviation techniques requires high
expenditure. International cooperation in the building up
of a scientific-technical base for adyanced powerplants is
one of the important factors in the successful realisation
of projects for 21st century air transport,
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SCRAMIET CFD METHODS AND ANALYSIS
PART 2. SCRAMIJET CFD ANALYSIS

NUMERICAL SIMULATION OF SUPERSONIC MIXING AND COMBUSTION APPLIED TO SCRAMJET
COMBUSTOR

V.KOPCHENOV,
K.LOMKOV, S.ZAITSEV, 1. BORISOV

CIAM (Central Institute of Aviation Motors)
Aviamotornaya street 2
111250 MOSCOW
RUSSIA

2.1 Introduction
2.2 Mathematical model and numerical method

2.3 The main results of the CLIAM investigations on supersonic mixing and combustion enhancement
2.4 Some notices about the jet/shock interaction and mixing enhancement
2.5 Evaluation of combustion efficiency and choice of acceptable design parameters for combustor

2.6 Estimation of the role of chemical kinetics
2.1 Introduction

It is necessary to note, that the problem of
supersonic combustion of hydrogen in air stream was
investigated in Russia both experimentally and
numerically. It is not possible to give the full survey of
publications about investigations concerning with
numerical simulation in short description. As an
example, monographs [1,2] may be pointed out. The
boundary layer model was used in [1]. The experience
in numerical simulation of supersonic combustion
within the scope of Reynolds averaged Navier-Stokes
equations and their parabolized version is presented in

2].

The influence of finite rates of chemical
reactions and concentrations fluctuations on combustion
efficiency in duct was investigated in [3-3] with the aid
of boundary layer model. By this, the diffusion flame
sheet model was used in [3], and sufficiently detailed
kinetical scheme, including 20 reactions for 9
components was considered in [5]. The influence of
duct geometry factors on combustion efficiency was also

analyzed.

The supersonic combustion process near the wall
was numerically simulated within the boundary layer
approach [6-8]. The necessity to take into account the
fluctuations of scalar parameters was shown. The model
of unmixedness [9] was used to describe the influence of
concentrations fluctuations on the chemical kinetics.

The system of mathematical models and
numerical codes using the boundary layer and
parabolized Navier-Stokes equations for  two-
dimensional flows was developed in [10-12]) for the

numerical simulation of supersonic combustion. The
modified k-¢ turbulence model of Launder-Jones was
used. The equilibrium and nonequilibrium combustion
models were realized. The influence of the
concentrations fluctuations on the reactions rates was
also taken into account with the aid of the model [9).

The numerical investigation of supersonic
combustion of hydrogen jet, injected tangentially along
the wall into supersonic air stream, was performed
within the scope of two - dimensional parabolized
Navier-Stokes equations [13-15] . The system of 13
reactions for 9 components was considered. The
algebraic turbulence models were used (modified
Prandt] and Baldwin-Lomax).

Detailed survey of modern numerical investi-
gations of the supersonic combustion on the base of
three-dimensional Reynolds averaged Navier-Stokes
equations or their parabolized version is presented in
[16-19). It is necessary to note, that simplified kinetical
scheme [20] was most commonly used. The possibility
to include more detailed kinetical mechanism into this
class of mathematical models is directly dependent upon
the progress in computer power.

The short description of the mathematical
model developed in CIAM for numerical simulation of
supersonic mixing and combustion, which permits to
analyze the three-dimensional effects, is presented in
this paper. Some aspects of mixing and combustion
enhancement will also be considered on the base of
CIAM experience.

The scramjet combustor efficiency depends
strongly upon the efficiency of the mixing process

Presented at an AGARD Lecture Series on ‘Research and Development of Ram/Scramjets and Turboramjets in Russia, December

1993 10 Junuary 1994,
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between fuel and oxidizer. There are two reasons for
this cffect. The first rcason is that the mixing efficiency
of supersonic flows decreases with Mach number
increase because of the influence of compressibility [21-
23). The increase of the so called convective Mach
number is accompanied by thc cssential mixing
efficiecncy decrcase in comparison with the
incompressible fluid at the same velocitics and densitics
ratios. This decreasc observed in the experimental
investigations for the plane shear layer spreading rates
at supersonic convective Mach numbers may be near
70% of that valuc in incompressible case [24). The
similar data for axisymmetrical coflowing jets were
obtained, for cxample, in [29].

Second reason consists in the decrease of the
residence time in the combustor as the flight Mach
number increases. It is obvious that the problem of
mixing and combustion enhancement is very important
to create high effective scramjet combustor.

The following factors must be taken into account
at cstimation of possible mixing and combustion
cnhancement methods. It is necessary to cvaluate the
additional losses connected with the mixing
augmentation process and the influence of this losses on
the overall performances of the propulsion system such
as momentum or thrust [25). It is desirable to usc the
own momentum of hydrogen jet injected into the air
strecam as better as possible. This hydrogen has been
heated by using in the inlet and airframe cooling
systems. This circumstance is particularly important for
high flight Mach numbers and makes advantagcous the
axial hydrogen injection. Morcover, the possibility (o
usc injection struts is doubtful at high hypecrsonic flight
Mach numbers {26] and then it is necessary to analyze
the opportunity to apply the near wall injection system.

Onc can distinguish the following control
mcthods for thc mixing cnhancement at present

1) direct influence on the hydrogen jet shape
with the aid of the hydrogen injector nozzle design or
usc of special heads to distort the jet [27-34]:

2) the shock-jet or mixing layer interaction [35-
42]. Somc cnhancement mechanisms including the
unsteady cffects may cxist in this casc;

3) the hydrogen strut design in such manner to
creatc intensive sccondary flows with the convective
mixing mechanism [43- 47];

4) the swirling of the hydrogen jet [48 - 49];

5) the wall jet injection at some angle to the
main air stream as an alternative to the slot injection in
axial direction. The permissible angles of injection must
bc cvaluated from the compromisc between mixing
cnhancement and hydrogen momentum  and
gasdynamical losscs [50-53];

6) the use of unstcady effects, including acoustic
influcnce on hydrogen jet (sec, for examplc, [54)).

It must be pointed out that the following

mechanisms responsible for the mixing enhancement
may be revealed when using the above mentioned
mixing control mecthods: the increasc of thc mixing
surface; the vorticity gencration in the flow, the
influence on the stability characteristics, the influcnce
on the large and small-scalc turbulent structures. This
mechanisms revealing in the specific control method is
very difficult task and rcquires using of very sensitive
modern  measuring  tcchniques and  complex
mathematical models claboration. At the same time it
scems 10 be justified to usc more simple mcasurements
and existing mathcmatical models to predict the
efficiency of special mixing control methods and to
cvaluate the additional losses. Such cvaluations for the
special mixing control mecthods make possiblc the
analysis of the cfficiency of the real .injection systems,
which include several control methods simultancously
as a rule. But the physical investigations of the mixing
enhancement mechanisms arc of primary importance.

2.2. Mathematical model and numerical method

The 3-D parabolizcd Navier-Stokes equations arc
used for the numerical simulation of two supcrsonic
flows mixing. These cquations are derived from the full
3-D Navier-Stokes equations with cxception of the
sccond derivatives with differentiation in longitudinal
direction [55). The cquations arc written in cartesian
coordinates X,Y,.Z and longitudinal X-axis coincides
with the air strcam direction. The multicomponent flow
of perfect gascs is considered. The heat capacity of
components depends upon temperature. The chemical
reactions arc not taken into account at mixing
calculations. The turbulent regimes are considcred in
the quasilaminar approach. In this case the turbulent
viscosity is introduced. The turbulent heat and mass
transfer coefficients arc cxpressed through turbulent
viscosity cocfficient using Prandtl and Schmidt
numbers. The differential turbulence model with onc
cquation for turbulent viscosity is used [56.57].

The approximatc diffusion flame sheet model is
used for the numerical simulation of flows with
combustion. This approach [58,59] is based on the
assumption that the combustion is controlled only by the
mixing of fucl and oxidizcr. Additionally, it is assumed
that onc global infinitely fast rcaction takes place with
formation of reaction products from fuel (hydrogen) and
oxidizer (oxygen) and with heat release. The
instantaneous rcaction occurs at the surface of the front
where the diffusion fluxes of fuel and oxidizer arc in
stoichiometric rclation. Only fuel is contained on one
side of the flame sheet, only oxidizer - on the another .
The products of combustion diffuses in both sides from
the flame front surface [58].

It 1s known for the flame sheet model that if
diffusivities of all components are the same, and initial
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concentrations profiles and boundary conditions for
them arc self-similar, it is possible to introduce the
mixture fracture and to solve the single equation for this
value with following definition of fuel, oxidizer and
reaction products mass fractions taking into account
their initial profiles.

The total enthalpy profile may also be obtained
by use mixture fracture profiles with some additional
assumptions. It is assumed that Prandtl and Lewis
numbers are equal to unit, and the initial profile for
enthalpy is piecewise constant as for the component
mass fraction. Also it is necessary to omit some terms
from the energy equation of PNS system, which are not
essential in inviscid region and in shear layers.

Thus, in the case of diffusion flame sheet model,
it is necessary to solve numerically the continuity
equation for the mixture, three momentum equations,
and equation for the mixture fracture. Then the total
enthalpy and components mass concentrations are
calculated on the base of mixture fracture.

In supersonic regions the marching procedure
may be used in downstream direction for the numerical
solution of PNS equations [55)]. In initial cross-section
the distributions of all parameters must be
predetermined. The conditions on the lateral boundaries
of computational region depend upon the physical
problem. Some boundary conditions will be discussed
later. But it is necessary (0 note that the boundary layers
on the channel walls with subsonic regions are not
taken into account, because it requires special
consideration including global pressure iterations [55].
The wall boundary layer effects were neglected because
the mixing process is the main object of our
consideration.

The governing equations are solved numerically
using the method, which is based on the higher order
accuracy monotone Godunov's finite volume scheme for
the steady supersonic flow [60-62], generalized to three-
dimensional case by A Kraiko and S.Schipin. This
explicit predictor-corrector scheme including the
modified |63]) principal of minimal increments of
functions [64] provides the monotonicity condition, the
second order accuracy on rcgular uniform grids, and
approximation on arbitrary nonuniform grids. The
generalization of this method on the multicomponent
flows taking into account variable heat capacities for
PNS cquations was performed by V.Kopchenov and
K.Lomkov.

The proposed method permits to use the adaptive
and regular grids. When the mixing layer is thin, the
adaptive grid is used. This grid is matched to the
dividing stream surface. When the shear layer becomes
thick, the regular grid is used. In this way the accuracy
of the results obtained is increased and the run time is
reduced.
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The mathematical model presented here is based
on the assumption that the chemical processes are
infinitely fast and the combustion is controlied only by
mixing rate (flame sheet model). Nevertheless there is a
number of scramjet operational regimes with the
residence time in combustor is the same order as
characteristic time scale for chemical processes. There
are two different cases here. The first one is the "low”
flight Mach number operational regimes (M=6-8). As a
rule the air flow temperature at the entrance of
combustor is not sufficiently high for self-ignition at
these regimes. The combustion is possible in this case
only if reliable flameholders and igniters are available.

The second case is more important for high
flight Mach numbers. The residence time dramatic
decreasing in this case may lead to incompleteness of
sufficiently slow relaxation processes, because these
processes are controlled by third order slow reactions.
On the other hand these are the processes responsible
for main part of energy release. Hence the combustion
inefficiency controlled by chemical kinetics may be
observed.

It is obviously seen that in both cases the flame
sheet model is not valid and more complex, based on
detailed kinetics approach, mathematical model is
needed. To detect such kinetically controlled operational
regimes and to avoid the possible errors connected with
the usage of the flame sheet model, the simplified
mathematical model for reacting gas flow in combustor
was suggested by S.Zaitcev and 1.Borisov. Here it is.

Let us suppose, that the flow field is one
dimensional, and the static pressure is constant in
combustor. The heat transfer from the reaction zone is
neglected. The variation of the axial velocity u along the
combustor is supposed to be negligible (the results of
calculations show that u remains nearly the same and
equals U along the combustor length unlike the Mach
number decreases dramatically). Hence, the equations
for species concentrations and the energy conservation
law are to be taken into account

UdC;/dx=W;
H=const.

Here, C; is the specics concentrations, W, -
chemical production rate, H - total enthalpy including
species formation specific heats. The initial conditions
at the entrance of combustion chamber have to be
formulated to complete this problem. Two different sets
of initial conditions were used for calculations. The first
set corresponds to infinitely fast fuel and air mixing
with conservation of the total mass, momentum and
energy ( MIX ). The second set of initial conditions
corresponds to assumption that the chemical processes
take place at the stoichiometric mixture surface placed
closely to the external boundary of jet. It was assumed
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that initial temperature and pressure here are equal to
the air parameters, and the hydrogen concentration is
stoichiometric (DIF). The Dimitrov's detailed kinetics
scheme was used in calculations [65). It includes 30
elementary reactions between 8 reactants: H;, O;, H, O,
OH, HO,, H;0,, H,0. The specific enthalpies of species
were approximated. The Gear-based numerical code
was used to solve the problem [66].

There were two values of main interest in the
calculations. The first one is the Li=U * t, - the
characteristic ignition length scale ( estimated for 5%
enlarges of the temperature from its initial value). The
second one is the L,=U * t, - characteristic length scale
for energy release (estimated as the length for
temperature reaches 99% of its equilibrium value). The
results of calculations are presented in section 2.6.

The three-dimensional effects due to the
interaction of the supersonic H; jet with supersonic air
flow were analyzed as possible mechanism for mixing
and combustion enhancement [67]. The design of
supersonic part of the nozzle for hydrogen injection is
considered as one of the possible passive control
methods. The second method includes injection of
hydrogen jet at an angle to the main air stream.

The mixing efficiency calculations were
performed for four cases. In the first case, the hydrogen
was injected through the axisymmetric nozzle with
conical supersonic part (the reference case C,). In the
second case (C,), the hydrogen was injected as circular
uniform jet at an angle 10° to the air flow in horizontal
direction, and in the third case (C;) - at an angle 10° in
vertical direction. In the fourth case (C,), the
nonaxisymmetric hydrogen injection nozzle is used. The
nozzle has elliptical exit cross-section with 2:1 aspect
ratio. The walls take straight-line form in meridional
planes. The elliptical and axisymmetric nozzles have
the same expansion ratio.

The test problem is formulated in the following
manner. It is assumed that the cascade of struts is
placed in the combustor without skew angle. The H;, is
injected in the air flow from the base surface of each
strut through individual nozzles. The number of nozzles
is large enough. Therefore, the influence of the wall on
the "central” jet may be neglected. Approximately, it is
possible to divide the flow field into the elementary
regions with some symmetry or periodicity conditions
on the clementary computational region boundaries.
The computational regions for each of considered cases
(C,C,) are shown in Fig.2.3.1-a<d. The direction of
transversal injection component is indicated by pointer.
It is supposed, that the air flow in initial section is

uniform. When the jet is injected at an angle to main air
flow (Fig.2.3.1-b,c), the jet parameters are given as
uniform, including constant vertical or horizontal
velocity component. At the investigation of the cases C,
and C,, (Fig.2.3.i-a,d) the hydrogen jet parameters in
initial cross-section are obtained from the calculations
of the inviscid supersonic nozzle flow.

To investigate possibilities of the mixing
enhancement two series of calculations were performed.
The design Mach number for the hydrogen
axisymmetric nozzle was equal to 3.05 and the
temperature T of the hydrogen at the nozzle exit is
equal to 340° K. The air flow parameters for three
regimes are shown in table 2.3.1. The ratio of
longitudinal velocity components of hydrogen and air
approaches to unit for the second regime. The turbulent
viscosity generation mechanism is switched off
according to the turbulence model, and the mixing
efficiency is determined in this casc by the initial
turbulent viscosity level. Let us consider some results,
obtained for regime R, .

The mixing efficiency is evaluated with the aid
of the following characteristics. The value q is
introduced as

q = (1-C /(1-<C>).

Here C,, is maximum value of H, mass fraction in
cross-section and <C> is massflow averaged H, mass
fraction

<C> =[fpuC dF /ffpu dF
F F

where F is the channel cross-section area. This value
varies from zero in the initial cross-section up to one at
full mixing. This characteristic permits to determine
accurately the initial region length and the mixing
efficiency on transition and main regions. To evaluate
the mixing efficiency in the whole region the second
characteristic is introduced

D = [[pu (C -<C>)%dF / [fpu dF /<C>2
F F

which defines the nonuniformity of mass fraction
distribution in the channel cross-section. The mixing
efficiency characteristic q, plotted as a function of
streamwise coordinate X, is shown in Fig.2.3.2. The
curves 1-4 correspond accordingly to investigated cases
C,-Cs.

The mixing process itself is connected with
irreversible losses. It is necessary to analyze the
influence of the mixing control method on the
additional losses. For example, the additional losses
origin may be concerned with shock generation in
supersonic flow. The losses are estimated by the total




pressure averaged by the massflow. The value § is
defined as the ratio of the averaged total pressure to the
same parameter in the initial cross-section. The
dependence of losses upon mixing efficiency 0 is
presented in Fig.2.3.3. The value 6 is introduced as

0=(1'D/D0),

where D, is value D in initial cross-section. It varies
from zero in initial cross-section to unit at full mixing.
The total pressure losses level for ideal full mixing is
designated by a marker. The results comparisons for
these four cases confirms that the total pressure losses
are approximately the same for identical mixing
efficiency, determined by 6. But it is necessary to note,
that identical mixing efficiency is achieved on different
distances from initial cross-section (see Fig.2.3.2).
Hence, the mixing is enhanced for this regime without
noticeable additional total pressure losses. The mixing
enhancement is also illustrated in Fig.2.3.4, where the
H, mass fraction fields are shown for cases C, - C, in
different cross-sections.

The H, jet injection at an angle 10° is
accompanied by momentum losses of hydrogen jet of
1.5%, these losses are equal to 2.2% for conical
axisymmetric nozzle, and for elliptical nozzle - 3.5%.
Thus, the additional momentum losses for elliptical
nozzle in comparison with axisymmetrical nozzle are
equal 1.3%, and are approximately the same, as in the
cases C, and C,. Hence, providing the superior mixing
level, the mixing enhancement using elliptical nozzle
does not introduce visible additional losses in
comparison with others alternative mixing control
methods investigated at this paper.

It is important to reveal the cause of mixing
enhancement. As follows from the analysis of the
numerical results, presented in Fig.2.3.4, the hydrogen
jet strongly changes its form with increase of "mixing"
surface in the cases C,-C,. The hydrogen mass fraction
fields give evidence about mixing enhancement. But for
cases C,, C;, the confluence of neighboring hydrogen
jets takes place at smaller distances from initial cross
section than in the case of elliptical nozzle. Moreover,
the lateral eruption of hydrogen jet is less intensive in
the case C, in comparison with elliptical jet.

The second effect, arising at the three-
dimensional fluid dynamic interaction of hydrogen jet
and air flow, is concerned with intensive secondary
flows formation. The ficlds of the transverse velocity
components are shown for all cases in Fig.2.3.5. It is
evident, that the axial vortices are formed as a result of
three-dimensional interaction for cases C,-C,. These
vortices are observed far from the initial cross-section
and provide the convection mechanism for mixing
enhancement. Significance of longitudinal vortices for
mixing and combustion augmentation was also
mentioned for example in [33]. But the nature of
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vortices arising is different. In our case, the longitudinal
vortices are the result of three-dimensional fluid
dynamic interaction behind the nozzle exit cross-
section. This vorticity is not generated in the nozzle
flow.

In order to illustrate the influence of the mixing
enhancement on the combustion efficiency, the same
regime was calculated using the flame sheet model. The
combustion efficiency as a function of streamwise
coordinate is shown in Fig.2.3.6 for axisymmetric
nozzle (N,), and for two elliptical nozzles with 2;:1 (N,)
and 3:1 (N,) aspect ratio in the exit cross-section. The
location of the flame front is presented in different
cross-sections of the channel in Fig.2.3.7. The changc of
the flame front surface and its “interaction" with
computational region boundaries may explain the
dependence of the combustion efficiency upon the
longitudinal distance, and, in particular, the reduction
of the "combustion rate" at some distance, and also the
superiority of the nozzle N, in comparison with nozzles
N, and N;.

Thus, it is scen, that the three-dimensional
effects, arising due to interaction of the supersonic
hydrogen jet from nonaxisymmetric nozzle with
coflowing air stream, provide the mechanisms for the
mixing and combustion enhancement. The first
mechanism is connected with the increase of mixing
and combustion surfaces. The second convective
mechanism is the formation of intensive sccondary
flows with longitudinal component of vorticity. It is
necessary to note, that for the mathematical model,
presented in this paper, the investigated mixing and
combustion enhancement effects are not connected with
additional turbulent viscosity generation. Therefore, it is
interesting to verify the role of the investigated effects
for regimes with weak turbulent viscosity generation
and simultaneously with low initial turbulent viscosity
level.

For the regime R, the turbulent viscosity
generation is small, because the ratio of longitudinal
velocity components approaches to one, and the
turbulent mixing efficiency is determined by the initial
turbulent viscosity level. The dependence of the mixing
efficiency q upon the longitudinal distance for
axisymmetric and elliptical nozzles is represented in
Fig.2.3.8 by curves 1 and 2 respectively. The initial
dimensionless turbulent viscosity level is equal to 3*10
(the ratio of the turbulent viscosity to hydrogen velocity
and radius of axisymmetric nozzle in the initial cross
section). The curve 1 shows, that at small initial
turbulent viscosity levels the turbulent mixing is
unessential. It is obvious, that in this case the elliptical
nozzle provides much more superior mixing
characteristics relative to axisymmetric one.

In order to investigate the influence of the nozzle
design on combustion efficiency for regime R,, some
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calculations were performed for axisymmetric N, and
elliptical N, nozzles with two different initial levels of
turbulent viscosity (104 and 2*10-3) and for elliptical
nozzle N; with small initial turbulent viscosity level.
The combustion efficiency as a function of streamwise
coordinate is shown in Fig2.3.9. The curves 1,2
correspond to axisymmetric nozzle with small and high
levels of turbulent viscosity. The similar results for the
elliptical nozzle N, are represented by curves 3,4 and
curve 5 corresponds to the nozzle N; and low initial
level of turbulent viscosity. The elliptical nozzle
provides superior mixing characteristics relative to
circular nozzle for both initial leveils of turbulent
viscosity. In the case of elliptical nozzle N, with small
initial level of turbulent viscosity, the combustion
efficiency is higher at large distances from initial
section, than in the case of circular nozzle with large
turbulent viscosity level. Taking into account the
influence of the initial turbulent viscosity level on the
combustion efficiency for the elliptical nozzle, it is
possible to assume, that the mixing and combustion
surface increase has the main significance for this
regime. Possibly, the convective mechanism, provided
by the secondary flows, is less essential in any case for
the higher initial level of turbulent viscosity. The
comparison of curves 1,3,5 shows, that the nozzle N,
provides superior combustion efficiency.

At the third regime, air flow has high Mach
number, hydrogen jet is strongly underexpanded,
besides that the air flow velocity exceeds jet velocity.
The comparison was made for three nozzles: N;, N, and
N;. One can see from Fig.2.3.10 that the nozzle N,
provides the best combustion efficiency again.

Thus, it may be noticed, that the elliptical nozzle
for hydrogen injection provides the superior combustion
efficiency in wide range of regimes in the duct with the
rectangular cross - section. It seems, that it is possible to
choose the nozzle aspect ratio, which provides the best
level of combustion efficiency for this duct.

2.4 Some notices about the jet/shock interaction

d mixing e men

The problem of hydrogen jet passage through an
oblique shock wave was investigated in [39-42,68). It
was pointed out that a strong interface distortion and
baroclinic torque take place as a result of shock-
impingement  [39-42] except the possible jet
compression [68). This distortion and baroclinic torque
arc connected with the generation of the vorticity
located along the fuel/air interface [39-41).

The goal of this study was to investigate
numerically the process of shock-impingement itself
and conditions, providing mentioned effects. Free air
stream conditions corresponded to M,=6, T,=2000°K.

The ramp with angle of 7.1° produccd the oblique shock
with pressure ratio about 2.5. Computational grid
consists of 75x50 cells in cross-section. In the base
(reference) case the hydrogen jet Mach number M, was
equal to 2, and jet/air density ratio p’' was equal t0 0.5.

The density ratios 0.125, 0.5, 1.0 and 2.0
(corresponding to hydrogen temperatures 1120° K,
280° K, 140° K and 70° K ) were studied in the first
series for the inviscid case (Fig.2.4.1 and table 2.4.1). In
this series M; was equal to 2. The peculiarity of the case
with p'=1 consists in the absence of the baroclinic
source term in the vorticity equation [40), because the
normal component of density gradient on the jet
boundary is turned off, and in unviscid case the density
gradient as the pressure gradient is caused only by wave
structure if the numerical scheme dissipation is
negligible. However, the patterns of density fields (see
Fig.24.2, 2.4.3) show, that jet shape deformation
doesn't depend on p’, and remains even if the density
gradient is parallel to the pressure gradient.

In the second series, p' was fixed and cqual to
0.5, but jet Mach number M, was changed: M,=2,4,6.
Air stream Mach number was equal to 6. To provide the
identical shock slope in the jet and in the air in the last
case, the air and hydrogen specific heat ratios were set
equal to 1.4. The rapid interface deformation is proved
to be reduced with the increase of jet Mach number.
Fig.2.4.4 shows, that jet is only compressed by the
shock in vertical direction at equal Mach numbers and
then retains its shape. The non-dimensional circulation
is presented in Fig.2.4.5 for the investigated cases. It is
interesting to note, that there is no switching of
circulation sign with reversing of density ratio, as it
would be supposed according to [40). Moreover, the
essential influence of the density ratio on the circulation
level is not observed. But the level of circulation
diminishes with the rise of jet Mach number. So one can
suppose that just the Mach number difference but not
the density ratio is responsible for the rapid jet
distortion.

Some explanation may be proposed on the base
of the detailed pattern of density contnurs obtained with
the grid 95x70 for the reference ¢  (see Fig.2.4.6).
After the jet and shock touching the part of shock inside
the jet "moves" faster than shock in air due to the Mach
numbers difference. Besides, the expansion wave arise
on the lower part of jet boundary and moves toward the
ramp surface. Probably, these waves result in secondary
flows with longitudinal vorticity. At some distance,
these flows induce jet dividing on two parts and
considerable increase of the mixing surface. The jet
dividing effect is clearly discernible in the Fig. 2.4.3.

The next series of computations was run for the
reference regime with turned on viscosity terms to
obtain information about mixing enhancement: a) for
free jet without any shock, b) for the base case, when the



ramp leading edge is in the same section where jet is
injected (Xramp=0), and ¢) for X.ump=30. Density
contours for cases b), c) are shown in Fig.2.4.7, 24.8
and concentration fields in section x=120 - in Fig.2.4.9.
One can see, that in spite of different Xnmp the resulting
concentration ficlds are similar. Only the height of the
jet center is slightly larger in the case of Xnmp=0. This
fact can be explained by longer lifting action of vortices.
As for the mixing efficiency, it is seen in the Fig.2.4.10
that the presence of the shock provides the superior
mixing and the final effect is weakly dependent on the

place of the shock impingement.

But two others curves in Fig.2.4.10,
carresponding 1o hydrogen/air mixing in the case of
equal Mach numbers with and without shock, also
demonstrate some mixing enhancement by shock. The
reduction of length, where the mixing efficiency 0.4 is
achieved, constitutes 37% for jet Mach number 6 and
63% for jet Mach number 2 (comparisons of lengths are
made for cases with and without shock impingement). It
is difficult to divide the influence of general
compression in the shock (the decrease of the jet cross-
section area) and jet distortion on mixing enhancement,
but the quantitative comparison allows to suppose, that
the jet distortion may provide the additional mixing
enhancement.

It is necessary to note that numerical simulation
of shock/jet interaction was performed in CIAM by
V.Vasiljev and S.Zakotenko [68]. They point out that
the compression of the jet at processing through the
shock is followed by decrease of the jet cross - section
area. At the same time, the turbulent viscosity does not
change its level after processing through the shock. The
decreased cross - section area and the unchanged level
of turbulent viscosity at the shock/jet interaction provide
the main mechanism of the mixing enhancement from
the point of authors view [68). The secondary flows with
vortical structure were observed. But from the authors of
paper [68] opinion, this mechanism does not influence
mixing process.

Thus, from our point of view, the rapid jet/air
interface distortion and intensive secondary transversal
flows are promoted by the difference of Mach numbers
in the hydrogen jet and air stream, but not only by the
density gradients in the baroclinic torque effect. This
distortion increases the mixing enhancement. The jet
contraction may become the prevailing cnhancement
mechanism at small Mach number difference.

2.5 Evaluation of combustion efficiency and

choice of acceptable design parameters for combustor

Let us consider the question about the injector
design parameters choice. It is necessary to choose the
number of struts for hydrogen injection, the number of
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nozzles for hydrogen injection in each strut, and to
contour the nozzle for hydrogen injection. The injector
design, the struts and nozzles disposition must provide
the uniform hydrogen jet distribution in the combustor
cross-section. For example, it is desirable to divide the
combustor cross-section on the elementary squarc
regions of the air stream and to inject the circular
hydrogen jet to the center of this region with the aid of
injection system. The uniform hydrogen jet distribution
in air stream is realized in this case. But the following
circumstances should be taken into account. The strut
system inducos the drag, besides it is necessary lo solve
the strut cooliny problem. Therefore, the number of
struts is limitzd and is comparatively small. Thus, it is
necessary 1o dosgn the effective injection system with a
fixed, as small as possihl: number of struts. But the
dimension of the sguare clementary region is large in
the case of small numhcr of struts. The combustion
length at given parameters in initial cross-section is
defined by chemical reaction rates and by mixing
process. If the combustion process is limited by mixing,
then the absolute flame length increases as the hydrogen
jet radius or elementary region dimension are increased
(at given air/fuel equivalence ratio they are correlated).
Therefore, really the absolute combustion length is large
in the case of uniform distribution of circular hydrogen
jets for small number of struts.

It seems to be uscful to increase the number of
nozzles on the strut in order to decrease the absolute
combustion length. But when the number of struts is
fixed, the elementary air region becomes rectangular.
The partial confluence of hydrogen jets may cause the
decrease of the mixing and combustion efficiency in this
case. In fact, as the ratio of hydrogen and air mass flows
is fixed, then the distance h between nozzles is
decreased as 1/N when the number of nozzles N in strut
is increased. At the same time the axisymmetric nozzle
radius r is decreased as 1/JN, so that /r ~1/JN 50 as
N—> 0, The confluence of hydrogen jets prevents from
the effective combustion of circular hydrogen jet in
rectangular elementary region. This effect was shown in
the previous section. But it is possible to use the
potential opportunity to decreasc the absolute
combustion length with incrcased number of nozzles
and decreased hydrogen jet absolute dimensions by
choosing the "optimal” elliptical nozzle for rectangular
clementary channel. As it was demonstrated in the
previous section, the elliptical nozzle provides the
decrease of relative mixing and combustion lengths in
comparison with axisymmetric nozzle for the case of
increased number of hydrogen nozzles with rectangular
clementary channel. The gain in combustion cfficiency
may be obtained in this case for equivalent absolute
combustor length and identical number of struts in
comparison with the base injector version, providing the
uniform distribution of circular hydrogen jets in the
cross-section.

Thus, it is possible to fix the number of struts
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and to choosc the humber of clliptical nozzles on the
strut with the "optimal" axis ratio. The previous
investigations showed, that it is possiblc to inr:ase the
combustion cfficiency with the increasing the clliptical
nozzle axes ratio up to value 3 and more. The
simultancous variation of the number of nozzles in
order to obtain the best number for each ellipticity is
needed too. But such two - parameteis "optimization"
procedurc scems to be very expensive task, because it is
necessary to perform dircct calculations with two
parameters variation. But some practical limitations
allow to reduce the volume of calculations. If the
clliptical nozzle aspect ratio is too large, the excessive
expansion angles in the large axis direction, and
possible converging of nozzle with circular throat in the
small axis direction result in high losses in comparison
with axisymmetric nozzle. Besides, some design
restrictions may exist on the nozzle shape and
dimensions. For example, it may be the overall
dimensions restriction.

Taking into account the aforementioned
circumstances, the following design procedure seems to
be justified. For a given number of struts the base
injector version is considered, providing the uniform
distribution of axisymmetric hydregcn jets. The injector
with greater number of elliptical nozzles is investigated
as alternative version. The general hydrogen mass flow
through the elliptical nozzles is equal to that in the
axisymmetric nozzles case. Thc overall dimensions of
the nozzle and strut for the alternative injector do not
exceed that for base version. The minimal cross-section
of the modified nozzle remains circular. but it has some
times lesser diameter in comparison with base
axisymmetric nozzle. The length of nozzlc supersonic
vart remains the same in both cases. The supersonic
part of the modified elliptical nozzlc has the rectilinear
generatrices. These generatrices connect throat and exit
cross-sections. The maximal generatrin inclination
angle is obtained taking into account not only the
geometrical considerations but 4's0 “n¢ desire to provide
the acceptable Jevel of noz.iz performances. This
configuration is consuiered is alternative injector
version.

But siraphiieri method of prciinunary injector
design may be proposed, which providc: efficiency
results cquivalent to two times larger numbcrs of struts
and axisymmetrical nozzles on cach strut in comparison
with basc injector version. The corresponding schemes,
illustrating thec suggested method arc shown in
Fig.2.5.1-aand 2.5.1-d.

The basc injector configuration ensures uniform
distribution of hydrogen jets over combustor cross
scction, but absolutc dimensions of jets and / or
clementary duct falling on one jct are too great to
rcalize acccptable combustion efficiency levels on
chosen combustor length with chosen number of struts
(sce Fig.2.5.1-a) . The most simple solution is to

increase the number of hydrogen injection nozzles and
the number of struts and to decrcasc simultancously
absolutc dimensions of jets and elementary ducts
maintaining the uniform distribution of hydrogen jets
over combustor cross scction. The corresponding
scheme, illustrating the case of two times greater
number of strut and hydrogen nozzles on each strut is
shown in Fig.2.5.1-b. In this case it is possible to realize
more high combustion efficiency levels on the same
combustor length or to decrease required combustor
length due to reduction of absolute dimensions of jets
and clementary ducts under condition that combustion
process is controlled by mixing rather than by chemical
kinetics.

But under some conditions we can't select this
way, because of increase of struts number. On the other
hand the simple increase of nozzles number on strut at
constant struts number may be ineffective due to quick
confluence of jets for neighboring elementary ducts with
rectangular cross-section. The situation, corresponding
to doubled number of nozzles on strut at constant struts
number is shown schematically in Fig. 2.5.1-c. It is
possible to avoid ncgative influence of jets confluence
for rectangular elementary duct by use of elliptical
nozzles elongated in the direction of greater side of
clementary rectangular duct. The results presented
above (sce, for example section 2.3) show that jet from
the elliptical nozzle divides into two parts at some
distance from injection scction. This provides
practically uniform distribution of jets over duct cross-
section, similar to distribution with two times greater
struts number and simultaneously two times greater
number of axisymmetric nozzles on each strut. The
latter is shown schematically in Fig. 2.5.1- d (the jets,
into which breaks down the jet from elliptical nozzle are
shown schematically by two circles near the ellipse).
But it is necessary to select axes ratio of elliptical
nozzles providing the best dividing of hydrogen jets
from the considerations of their mixing and burning.

As an cxample some combustion ecfficiency
estimations were performed for the model combustor
schematically presented in Fig.2.5.2. The strut system
for hydrogen injection is located in combustor within
the symmetrical angle in horizontal plane, which is
equal to 36°. The number of struts was chosen to be
cqual to 15. The air parameters at the combustor
entrance dare presented in the table 2.5.1. The Mach
number at the exit of hydrogen nozzle and the
paramcters (pressure and temperature) are also shown
in table 2.5.1.

Some injection schemes were tested to compare
their relative efficiency. In the first case the hydrogen is
injected through the slot in the backward face of the
strut. The slot vertical dimension is equal to strut
height. In the second case the high slot is divided into
several sections. The hydrogen is injected through the
each section at an angle 10° to the main air flow




direction with alternation of lateral directions of
injection in neighboring sections. In the third case the
injection is realized through the individual
axisymmetric nozzles, which are placed inside strut
with nozzle exit section on the strut backward face.
Then using the number of struts, the number of
hydrogen jets injected from each strut, the elementary
region per one jet was obtained in accordance with
combustor duct geometry (see Fig. 2.52). Al
estimations were performed for a single jet in the
clementaiy channel with coflowing air flow. It is
obvious that such evaluation method is approximate.
But probably it is possible to compare alternative
injection schemes efficiency in such manner.

Let us consider some results about the
combustion efficiency, which are presented in Fig.2.5.3.
It is necessary to note, that the injector with individual
nozzles was chosen to provide the uniform distribution
of hydrogen jets in the injector control cross-section.
Therefore the number of nozzles is equal to 20 on each
strut. The curves 1,23 in the Fig.2.5.3 show the
combustion efficiency as the function of longitudinal
coordinate for test cases 1-3 (correspondingly for slot,
section slot and axisymmetric nozzles injection
schemes). It is necessary to note the low combustion
cfficiency in the cases of slot and section slot injection.
The better results are obtained in the third case for
injection with the aid of individual axisymmetric
nozzles.

The proposed scheme of combustion
enhancement duc to doubled number of elliptical
nozzles at the same number of struts was also tested. In
this case the elliptical nozzles with aspect ratio 2:1 in
exit cross-section were used. The results obtained in this
casc are shown in Fig.2.5.3 by curve 4. The obtained
results demonstrate the possibility to reduce the
necessary combustor length with the aid of this injection
system with doubled number of elliptical nozzles. So, if
the combustion efficiency value 0.9 is reached on the
distance approximately one conventional length unit for
injector with elliptical nozzles, it is needed
approximately 2.14 units for the injector with
axisymmetric nozzles, and the distance more than 2.85
units is necessary to reach the combustion efficiency
level 0.9 in the case of section slot and slot injectors.

2.6 Estimation of the role of chemical kinetics

To estimate the role of chemical kinetics at the
different scramjet operational regimes, the set of
parameters at the entrance of combustor presenizd in
table 2.6.1 was used. The characteristic ignition length
L; versus flight Mach number is presented in Fig.2.6.1.
It is seen that L, is sufficiently smaller then the typical
combustor length scale (~1m), and the self-ignition can
be the limitation mechanism only if the flight Mach

number Mg < 8-9.

The characteristic energy releasc length scale L.
versus flight Mach number is presented in Fig.2.6.2. It
is seen that the heat release zone length is small in both
(MIX and DIF) approaches at Mg<12. The¢ roie of
recombination processcs at My increase (Mg>12) is
dramatically increased too and at flight Mach numbers
M=14-20 these processes can substantially influence
combustor operation.

The obtained results indicate that the reliable
mathematical model for scramjet combustor has to be
developed taking into account the detailed chemical
kinetics. Nevertheless, the usage of the developed
simplified mathematical model for kinetics effects
estimations makes it possible to apply the flame sheet
model in scramjet combustor flowficld calculations
more argumentally.
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TABLE 2.3.1
HYDROGEN JET PARAMETERS :
M;=3.05, T1=340° K
AIR STREAM PARAMETERS:
Regime T: °K M; pz/ Pi Uz/ V]
R, 1050 2.8 0.98 041
R, 1950 55 5.88 1.10
R; 2300 6.6 6.37 1.35
TABLE 24.1
AIR STREAM M,=6.0, T,=2000°K
series case Pi/P2 M, T, °K u;/u,
1 i1 20 2.0 70 0.25
1 1.2 1.0 20 140 0.35
reference
1 1.3 0.5 2.0 280 05
1 1.4 0.125 2.0 1120 1.0
reference
2 21 0.5 2.0 280 0.5
2 2.2 0.5 3.0 280 0.75
2 23 0.5 4.0 280 1.0
2 24 0.5 6.0 280 1.5




TABLE 25.1

air stream parameters hydrogen parameters
M, P, T, M, P T
4.22 0.83*105Pa | jo76°K 26 1.5*10% Ps | 425°K
fuel - air equivalence ratio
$=0.98
TABLE 2.6.1
M, 8 12 16 20
0 0.91 1.66 5.0 5.0
T, °K 1100 1500 1970 2300
P, Pa 1.8*10% 1.2*10° 0.8*10% 0.65*10%
M, 3.05 48 5.5 6.6
n=Py1,/Pyir 0.84 1.92 5.88 6.37
My, 29 29 2.9 2.9
Ty, °K 373 373 373 373




e

{ 1

‘ O

COMPUTRTIONAL REGION

O

Y

O

A) INITIAL CROSS~SECTION FOR CASE C1

9, ©

COMPUTATIONRL REGJON
< c
-/

B) INITIAL CROSS-SECTION FOR CASE 92
[}

COMPUTAT IONAL REGION

©
O ©

C) INITIAL CROSS=SECTION FOR CASE C3

D

COMPUTRTJONRL REGION

-
S -

D) INITIAL CROSS-SECTION FOR CASE C b

Fig.2.3.1 INITIAL CROSS-SECTIONS AND COMPUTATIONAL
REGIONS FOR casts C, -C,



i

'! i {T "

RIXING EFTFICIENCY
L I‘I
L]

0 ubsbuhlhnllbulinliﬁofhnzhn

MIXING EFFICIENCY CHARACTERISTIC q FOR REGIME, R1

Fig.2.3.2

RYERACE TOTAL PRESSURE LX)

FULL MIXING %
L

.0 =2 Y .B .8 1.0
RIXING EFPICIENCY

THE DEPENDENCE OF TOTAL PRESSURE LOSSES UPON
MIXING EFFICIENCY

Fig.2.3.3




8-17

AXISYMMETRICAL NOZZLE HORIZONTAL INTERACTION

S

A Hé MASS FRACTION FELDS FOR CASE 01 B) H2 MASS FRACTION FIELDS FOR CASE 02

VERTICAL INTERACTION ELLIPTICAL NOZZLE

D) H2 MASS FRACTION FIELDS FOR CASE C %

c) l-l2 MASS FRACTION FIELDS FOR CASE cs

H2 MASS FRACTION FELDS FOR CASES cl-c 4

Fig.2.3.4




8-18

2

" . « ™
IR PN
.
11-."..'
.o # g @
LSE T AR
-....1-.|"
l-'.i'l'
.|||.1“|'
W _ 0N
SR % &g ¥ 0
PR |
. lllt,,n
I|--|-||"'-|:..,D
LI I T sl
"t 8 gmg ¥ o
I T
R T I R
I|II.".I'q."'.II
T I'.n-""‘
i et o 1]
i IR0 TR R +:

LR R N LR X N A SRR

EIA R R NN ANTNRRY)
Tt
AL TR IR E IO
LTI I Y
"““”“llluun
Strrereeeenens.. ..
V002000000 000000n,
Illlllllll'l"looo--
l.Il...‘."“‘-...ll

terssvsansonnsense.

Tilttaaeeessentt!
“l“llll!o~\\\‘
T e

‘reeersrrt NN
*eresesrnrrnanaast
*°%c00000000nnnes’/

teetssmssst st onamor

YRR 2,00

:. PR S S T ST T R R R R
_._,.’..oll||'
M '.,.;t\\\“‘|
C e e e an NN
'..'.,..s\\\\“'
v ',..\\\\\\"
Ve RN U W U O
e S MmN NSAN T
AN NN NN N W
A e N R B
AP N N N N
g e O S T
Feaees NN R
! ¢ 7 o= =N
fr.r,-r-ﬂ-—“‘::-::::“
A
-l
A vy !
Rl e O W B | .
it f:;-’ R ETEE;
, >y { ’ PR A A e
.-n\\t.,..t.-.-.-—---* n
= m om ow w & W bt

TRANSVERSE VELOCITY COMPONENT FIELDS

Fig.2.3.5.




K-19

L

.....
uuuu
=
-
-
-
-
-
-
-

2o Ei L
LY
by

COFESTION EFFICTRNCY

L 1 1 L L 1 L 1 AJ
0 100 200 300 400 SDO 60O 700 800
X/R

COMBUSTION EFFICIENCY FOR NOZZLES N1' N2 AND
N:3 WITH ASPECT RATIO 11 21 anD 3:1

Fig.2.3.6

SIS
S~
S5 o5

FLAME SHEET POSITIONS FOR NOZZLES:
N1, N2, N3
»

=

Fig.2.3.7




8-20

-
ema- 2 -
-

TUXING EFFICITNCY
i
\\

. 4 42”3 1

0 20 & o 100 xio % 160 180 zlﬁo zizo z‘Vo

/R

MIXING EFFICIENCY q FOR REGIME R2

Fig.2.3.8

COMBUSTION EFFJCIENCY

/R

COMBUSTION EFFICIENCY FOR REGIME R2

Fig.2.3.9



-

A g Smas g a3 B

o
—— CIRCLE

® ---- ELLIPS 2:1 g
s — ELLIPS 3:1 e
5 ’."’.f ‘
8 w /".’. ‘‘‘‘‘‘‘‘
E ot ’//./ e
o ’,/ /’,—
é > .’././ ”"”
: T o,., /”’
g ./"//"’
e el
o .
o T o ’

7
c. 1 ) . 1 1 I L
0 50 100 150 200 250 300 350

X/R

Fig.2.3.10, COMBUSTION EFFICIENCY FOR REGIME R,

Fig.2.4.1 THE SCHEME OF SHOCK - JET INTERACTION
IN CHANNEL



SHOCK - JET INTERACTION

R/RHu=CONST

Lo

/

DENSITY FIELD

Hls2 M2«6 R)/R20.5 SERIES 1

Fig.24.2-A

SHOCK - JET INTERACTION

R/RH=CONST

]

DENSITY FIELD

Mlw2 M2«6 R1/R2w} SERIES |

Fig242-B




A B

B

At gt WP o e R s . *

—ntrr.

P

8-23

SHOCK - JET INTERACTION ~

R/RH=CONST

g M.

g 12,9

% 10,4
Ta S
Xn "
DENSITY FIELD

Hi=2 M2=8 R}/R2=2 SERIES !

Fig.242-C

SHOCK - JET INTERACTION “a,

R/RH=CONST

DENSITY FIELD

Miw2 268 R}/R2s0.5

Fig243 A



-———

I VB W P WS S o Y

—

R CE e .

ST

8-24

SHOCK - JET INTERACTION

Hi=2 M2w8 R]/R2w)]

SHOCK - JET INTERACTION

Fig.2.4.3-B

His8 M2=8 RI/R2e0.5 SERIES 2

Fig.2.4.4

DENSITY FIELD

™ 1y




L T S

- ——

B i, e e ? v g e

oo, W o v s

=

e e

8-25

THE INFLUENCE OF THE DENSITY RATIO AND
MACH NUMBER DIFFERENCE ON THE TOTAL
VORTICITY LEVEL

TOTAL VORTICITY

==== R]/R2u]
e R1/R2u0.5

...... R1/A2=0, 125
=~ —— MisM; M2=B
= = Misf{Zug

L=T

X/R LONGITUDINAL DISTANCE

Fig.2.4.5

THE DETAILED STRUCTURE OF THE SHOCK - JET INTERACTION X 10.p
R/RH=CONST Xn
8.0

Xa DENSITY FIELD

Hls2 M2«8 R1/R2=0.5

Fig.2.4.6



8-26

SHOCK - JET INTERACTION
R/RH=CONST

DENSITY FIELD

Hlw2 M2=6 RI/R2%0.5 CASE Xpmp=0

Fig.2.4.7

SHOCK - JET INTERACTION

R/RH=CONST

DENSITY FIELD

Miw2 12«8 R1/R2=0.5 SHOLX CASE X ramp= 30

Fig.2.4.8




8-27

HYDROGEN MASS FRACTION FIELDS

14.0

13.0
12.5.

12. 04

A1.54

- w—"n»

Fig.2.4.9

INTERRCTION OF VISCOUS JET AND SHOCK

2!
— —— Ni=2 2«8 SHOCK(X= 0)
~=== H]u=2 M2w§ SHOCK{X=30)

~—— Ni=2 I2=8 NO SHOCK
(9 ereeee Nisi2e8 SHOCK

HIXING EFFICIENCY

L - T W
s

X/R

Fig.2.4.10.  THE MIXING EFFICIENCY



——— v~ .

8-28

e —— ]
I
[
2
i

I
I B

Fig.2.5.1

INJECTION SCHEMES.

THE COMBUSTOR SCHEME

LLLLLLLLLLLLLLLLL,

srid /zzzz/////////

PV PPN IR FIE NS

FFTTTT S PTTTTT T T
f,,,,,f/fffff,
ISP 777

P P77 777777277

THE ELEMENTARY COMPUTATIONAL REGIONS
FOR VARIOUS INJECTION SCHEMES

C

e
e

Fig.2.5.2




e N et L g B AT

S B

T SN D VA UEUP R

COMBUSTION EFFICIENCY

R-29
) ) -z %/‘—5:—:;”
. - - —
/ po
© y J.-° 2 _ -
, -
/r' - - /
(23 2. - ’/
./. _ s P /
[{e] J' 04,/ C
’ 7
o7
J #
N 'a "I/
. /
’ 4
T ,'
:' //.A'
ol 1/ — SLOT
» / /'

o '.,, f - ={ = = = SLOT WITH SECTIONS

. ,‘/7 ~—f-—-— AXISYMMETRIC NOZZLE | |

J :
-1/ N R ELLIPTICALNQZZLE  '_|
1 l l

O_ 3 L

0 LONGITUDINAL DISTANCE

Fig.2.5.3 THE COMBUSTION EFFICIENCY FOR VARIOUS
INJECTION SCHEMES



8-30

Li(metersy @~ = =-==== DIF

L RT S P At O O, SRR (IR SR O 5 0

0.04

Fig.2.6.1. THE CHARACTERISTIC SELF - IGNITION LENGTH
V.S. FLIGHT MACH NUMBER

Le (meters) S . DIF

k)

N i i 3 ' i
i ; 1 ! z i i
0 Y R B LB A 0 R B P R Sy R - M
L A A i 'l A A i L . A i L s & . " L &~ i A i f

Fig.2.6.2. THE CHARACTERISTIC HEAT RELEASE LENGTH
V.S. FLIGHT MACH NUMBER

——— - . -




SOME PROBLEMS OF SCRAMJET PROPULSION FOR AEROSPACEPLANES
PART IL. -- SCRAMJET: DEVELOPMENT AND TEST PROBLEMS

Dr A.RQUDAKOV
CIAM (Central Institute of Aviation Motors)
111250 MOSCOW
RUSSIA

Scramjet development strategy.

Scramjet 1s considered as the base of single
stage aerospace plane propulsion system providing its
acceleration from moderate supersonic (A/y 5) up to
high hypersonic flight speeds (A/y - 25)

The feature of scramjet scheme seems to be
simple and comfortable for propulsion system and
vehicle integration The method of scramjet specific
parameter's computations seem to be also stmple due to
supersomc flow in scramyjet (A/ - /) and configuration
stmplicity of scramjet duct and 1ts elements nlet,
combustor and exhaust nozzle.

But prelininary analyses of computation re-
sults show high difficulty of specific parameter's
scramyet realization and nigorous demands to its design,
operating, process reahization and i1ts simulation in test
faciliies Aerospace plane flight scheme and mamn
parameters of flow in its duct along the flight path pre-
sented in Fig. 2.1...2.4 illustrate it's fact. Conventional
fhight scheme 1s presented 1n Fig 2 1 in coordinates
fight alutude // ¢Amy and flight Mach number A/,
I"a This Might scheme ts hmited tn vertical direction
by lines of maximum (¢gmax 2bar) and mimmum
(Goun 0 2bar) air ram value, and 1t 1s limited 1n aon-
zomal direcion by nummum (A, J) and
maximum (Alyyge  22) Mach number values at which
scramjet specific impulse exceed specific impulse of
ramjet and liquid propellant engine respectively. The
gnd of constant total enthalpy and of engine entrance
pressure 1s presented in the same Fig. 2.1. One can see,
that total enthalpy change along the trajectory more
than 20 times and reaches 2() ALJ kg, that rouses large
problem of scramyet design and creation

The lines of constant values of quasi equihibri-
um total temperature 7, and equilibrium total pressure
‘o and the engine entrance computation with the as-
sumption of thermodynamic equilibrium isotropic com-
pression process are presented in Fig, 2.2 in the same
coordinates // and Mf These parameters correspond to
air parameters in high pressure cylinders that can be
used at tests of scramjet duct and its element in test
facilines. One can see, that since Ay~ 8 total tempera-
ture 7y -2500K and total pressure /*y.-500bar exceed
the possible values of these parameters that can be re-
alized stationary at earth conditions.

The lines of constant value of the Reinolds
number calculated for unit length of main stream (Xe,)

and temperature factor T /i, 7, are presented 1n Fig
2.3 1n coordinates //, A, Wall temperature of scramjet
duct 1s taken to equal /OOOX One can see, that
Reynolds number 1s approximately constant along the
flight trajectory. When characteristic length of duct
element /. 1s about /0 m, real Reynolds number for all
duct elements is very hugh, Ke 107 [

Since Aly 12, temperature factor Ty values
become lesser than that 1n hiquid propellant engine
combustors, Ty 02 In tlus case. overcooling wall
layer corresponds to high enthalpy core flow Besides.
flow in combustor and exhausts nozzle in characterized
by high level of turbulence generated by shock waves
The structure of these shock waves' changes along the
flight trajectory and 1s determuined by flight Mach
number A/ and engine operating regime

The dependence of inlet throat Mach number
Ay on the light Mach number Ay is shown in Fig 2 4
The values of Mach number at the exit of hydrogen
combustor with constant cross section area at air-fuel
rato a /1 A" are presented in the same fig2.4. It 1s
evident, that flow Mach number in such combustor
remains approximately constant at given flight speed,
changes strongly along the flight path and reaches value
A 45 auhigh flight Mach number My - 15

Scramyet specific parameters depend on given
fught pativ optimized with taking nto account restric-
tions concerned, in particular with ecology problems
The restriction due to condition of minimum distur-
bance of atmospheric ozone layer 1s shown in Fig, 2.1
by section-lined belt.

Scramyet specific impulse this shown along the
flight path corresponding tog 0073 at a1/ in Fig
25 wath taking into account different components of
losses The losses of specific impulse are taken into
account by integral factors. tnlet total pressure recovery
factor o o(A/), combustion efficiency factor n. nozzle
umpulse factor ¢, and nozzle under expansion factor

'wPpp 1. Solid line 1 shows calculated specific
impulse of hydrogen scramjet with taking into account
real losses of total pressure in inlet (o = oyMp), losses
due to combustion incompleteness (7.=0.95) and im-
pulse losses in nozzle (¢, 0.97) at nozzle expansion
ratio Fg-3. Solid line 5 presents specific impulse of
ideal scramjet. The rest of dotted lines 2,3,4 show the
values of components of specific impulse losses, de-
scribing perfection nf ceramiet duct elements. Influence

Presented at an AGARD Lecture Series on ‘Research and Development of RamiScramjets and Turboramyets in Russia’, December

1993 1o Junuary 1994,
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coefficicnis of every component of losses A, or par-
ticul~r logarithmic derivatives of specific impulse ./ on
appropriate loss's factor f; (K, (/nJ)/f;) are shown by
deshed lines. It should be noted that losses in exhaust
nozzle and other's scramjet duct elements have strong
effect on engine specific impulse and this fact 1mposes
special requirement for physical or numerical simula-
tion of scramyjet operating process along the flight path

Thus, scramjet design and development de-
mand realization of operating process in its duct with
flow parameters in the range that can be realized in test
conditions stationary only at Ay - & Reliable data on
physical chemical conversions in flow combustion, tur-
bulence, three-dimensional and unsteady structure of
flow wall flows and heat exchange and their coupling
are absent for high Mach number at presenmt The ex-
tension of scramjet operating domain and improvement
of scramyet performances 1s connected wath duct com-
plication and 1n partscular wath transition to multumode
ducts with variable geometry, with use of gasgenerator
like hquid propellant engine and so on For this reason,
the problems of new matenals creation and development
of active heat protection system of structure are of
important significance

Thus, i spite of apparent simphcity  of
scramjet scheme, the development of this engine s
extremely complex problem and solution 1s connected
with working out some fundamenta!l and apphied scien-
tific leads, methods of investigation and simulation of
scramyet operating process scientific and methodical
accompanument of general conception of scramjet,
which 1s fully integrated with vehicle and deternunes
preltminary design of aerospace plane in general

If we take into account mutual interaction of
considered problem elements, time and cost, which are
necessary for developments, the possibility of appear-
ance of new results, which can change former concep-
nons and technical approaches, 1t seems to be expedient
1o have scheme of scientific research and design works
for scramjet development This scheme is presented in
Fig 20

The whole of works, presented 1in Fig 2 0 are
divided 1nto three different directions

-- hypersonic technology
-- scramjet conceptions
-- test base

The first of these directions 1s the most exten-
sive. It is the complex of fundamental and applied sci-
entific researches and design works with common pur-
pose scramjet creation. It covers field of physical-
chemical processes in high enthalpy supersonic turbu-
lent flows, their physical and numerical sumulation and
methods of measurements and diagnostics, instruments
matenials and appropriate technical equipment and sys-

tems These works create the basic of knowledge, data,
and experience for new stage of scientific and technical
advance, named conventionally hypersonic technology
in parallel waith solution of man problem (scramjel
development)

The second lead 1s connected immediately wath
development and reahization of s ramyjet starting wath its
prehinunary design and including tests of engine, that
deternunes lock of aerospace transpert of NNt
century

And finally, the third lead of works 15 con-
nected with creation of industnal base for tests of full
scale units of scramyet, thetr development and develop-
ment of engine in general, including full scale service-
life tests of scramyet in real range of paramaters

On one hand, all three leads are sufficiently
independent, and on the other hand, they interact es-
sentially for a long time Tlus fact causes the necessity
of coordination of effects in cach of mentioned leads
The conception works on scramjet imhate works on
feads 1 and 3 But new results in field of hypersonic
technology, the ume of appearance of which can't be
predicted, can change essentially assumed design of
scramjet Long tume high-cost design and development
of test faciliies can not give expected results wathout
taking into account this fact

Hypersonic technology (see Fig 2 7)includes o
parts

-- fundamental scientific investigations,

-- applied scientific studies of scramjet
operating, process,

-- experimental simulation of engine process,

-- numencal simulation of operating, process,

-- new technical approaches and systems,

-- control systems and units of scranyet

I Fundamental scientfic investigations (Fiy,
2 8) will cover physical-chemical processes in high-
enthalpy flows with shock waves, new matenals
creation and ecology problems 1t seems to be very
important to obtain new theoretical and experumental
data on kinetics of chenmucal reactions 1in high-enthalpy
flows with shock waves, detonation and combustion on
turbulence structure in such flows and also on stability
and control of these processes

These data are the necessary data base for
mathematical simulation of processes of propagation of
diffusion and detonation combustion in supersonic
combustors and also for practical realization of energy
supply to supersonic flow.

New material problem 1s the key problem for
scramjet development because the use of existing and
pronusing materials doesn't provide scramjet flight at



high fight Mach numbers My 16 due to restriictions

caused by structure thermal state

Ecology problem of high-speed motion mn at-
mosphere and, in particular, 1n ozone layer demands
also 1n-depth study

2 Applied scientific studies of scramjet oper-
ating process (Fig. 2 9) will cover new sections of tech-
nical sciences, connected with selection of design
scheme and parameters of scramjct inlet, combustor and
exhaust nozzle and with organization and control of
operating processes in them in a wide range of de-
ternuning parameters and conception of reacting gas
mixture

The development of computational model of
operating process, of methods of duct umit's computa-
tion, representing the basis for techmical approaches 1s
connected with 1nvestigations in the fields of thermo-
dynanucs, gasdynanucs, thermal physics and combus-
tion, which are relied on new methods of measusements
of supersonic reacting gas flow parameters and on
results of rumernical processing and simulation of three-
dimensional and unsteady phenomena of various scale
Wide use of super computers 1s necessary for
mathematical simulation of scramjet operating, process

3 Experimental simulation of scramjet operat-
ing process (Fig 2 10) will be carned out tn ground test
complex and in flying test laboratories Ground test
complex 1s the most prepared 1n spite of 1t 1s necessary
to modermze 1t and equip 1t by laser methods of
measureiments of reacting gas parametess Tlis complex
includes of stationary supersomic  wind tunnels,
hypersonic facilities of short-ime action, impulse tun-
nels, ballistic facilities and special equipment for pro-
duction of high-enthalpy air flows with extremely clean
composition with the aid of fire, plasma and electric
heaters

The problems of diffusion and detonation
combustion in supersonic flow, of control of boundary
layer and wall flow at presence of shock waves and heat
flux peaks can be counsidered in ground conditions at
A1& and global Reynolds number K¢~ /07 Air chenical
composition and mtial turbulence levels do not
practically correspond by this to conditions at flight in
atmosphere almost always The use of flying laborato-
nes 1s for this reason of extremely importance Wing
flying laboratories of ballistic flying laboratories,
launched by ballistic rocket can realize design flight
path of aerospace plane in atmosphere // II(Mj) both
on separate parts and in a whole and to ensure the
condition of scramyet vehicle interference without sim-
ulating real Reynolds numbers due to small dimiensions
of model scramjet duct The orbital laboratories with
planning descent and following return to orbit or land-
ing can be useful for studies of final period of scramjet
operation at Mf-' 16
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4 Numerical sumulation of scramjet operating
process permuts to generalize the whole experimental
data accumulated in test studies and interpolate they on
real conditions of engine operating in test facihty and in
fight (Fig 2 11)

Numerical simulation of operating process
should be based on mathematical model of turbulence in
high-enthalpy hypersonic flow of reacting gas muxture
with taking into account the absence of equilibrium of
physical-chemical conversions  Supercomputers  are
necessary for computations of three-dimensional and
unsteady nteraction of shock waves with channel
boundary laver determiming thermal state of structure
The problems of flow stability  combustion m bounded
supersonic  flow n essential 1 connection  wath
combustor operating, process control

§ New techmcal approiaches (Fig 212)
Scramyet realization 1s 1impossible without creation of
new technical approaches 1t shiould be noted the fol-
lowings

- the control of three-dimensional gasdynanuc
structure of supersonic flow 1 duct wath the amm of 1ts
stabilizing, avoiding boundary laver separation and
ehnunating, heat flux peaks.

- the control of combustion and miang m
supersonic flow with the aim of burming length reduc-
tion and combustion effictency of hvdrogen imcrease 1in
wide range of Mach numbers

- the control of structure thermal state m high-
enthalpy supersomic flow by use of active cooling system
operating heat flux peaks moving along the scramjet
duct surface,

- the use of hydrogen slush as coolant and fuel,
hydrogen-ar - heat

the use of compact
exchangers,

- the use of hight-weight structures of compos-
utes for controlled scramyet duct

o Scramjet systems and elements (Fig 213)
Unique systems and elements should be made on the
base of new technical approaches, matenals, technology
diagnostic and control systems in the process of
scramyet developing 1t 1s possible to pont out for ex-
ample the followings

- supersonic mixers on the base of gas-genera-
tors like hiquid propeliant engines for thrust creation
and subsequent effective nuxing of supersonic air flow
with supersonic fuel jet in wide ranges of Mach num-
bers and fuel components ratios,

- multumode supersonic combustor, permatting,
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to realize conditions of subsonic and supersonic com-
bustion in wide range of Mach numbers and fuel com-
ponents ratios;

- active cooling system with system of diag-
nostic and control of coolant injection, ensuring struc-
ture thermal state at conditions of changing heat flux
with high nonuniformity.

Scramjet conception, that will be developed
jointly with aerospace plane conception, can be realized
step by step in the form of modules, at first, in the form
of sub-scale module and, then in form of full-scale
module, and in the end-in form of full scale scramjet as
a main engine of flying aerospace plane propulsion
system (Fig. 2.14).

In the process of scramjet development, its
elements and modules should be subjected to various
tests with the aim of providing design parameters along,
the flight path, reliability and service life (Fig. 2.15).
The necessary industrial bas: should have available
specialized test facilities for development of each
element and system for module development and for full
scale scramjet tests. Let's cite as example specialized
test facility for combustor development both in respect
to thermal state and in respect to comLustion efficiency
and impulse. In particular, combustor impulse
measurements, which is connected with appreciable
error at test facility conditions. Let's cite as the second
example supply system of liquid or slush hydrogen,
which is connected with system of active cooling of
duct The main restrictions of ground tests are
connected with restricted ranges of Mach number
My 8 and Reynolds number (Re - /07) and
incomplete simulation of interference of scramjet with
vehicle. It is necessary to use the set of methods of
scramjet study and development to eliminate these
disadvantages: operating process simulation in the
laboratory and in test facility, flying tests of models,
mathematical simulation and full-scale flight tests.

This point is illustrated by comparison of var-
tous methods of scramjet duct operating process in Fig,
2.16. The objects of the investigation, merits and
demerits of various methods and their interaction are
formulated in presented Fig. 2.17.. 2.20.

1. Operating process investigation objects (Fig.
2.17). Tests in laboratory pursue the objects of revealing
and elaborating of physical flow pattern and some
characteristics of phenomena in scramjet duct elements
(inlet, combustor, exhaust nozzle) with possible simu-
lation of physical-chemical conversions in high
enthalpy flow with taking into account influence of high
cooled walls.

Simulation of operating process in test facility
permits to investigate it at close to real conditions both
for duct in whole and for its elements in possible range
of M and Re corresponding to different parts of flight

path.

Flight tests of sub-scale models pernut to in-
vestigate operating process at conditions made more
realistic as for duct in whole and for its elements along
the flight paths close to real flight path.

Mathematical simulation of flows including
physical-chemical conversions has as objectives the
investigations of scramjet performances in whole range
of external and internal parameters, the investigation
various parameters influence on efficiency, economy
and specific weight of scramjet, and the optimization of
duct parameters for given goal function.

Full-scale flight test of modules and propulsion
system on the whole permit to investigate all parameters
of scramjet along possible flight paths

2. The advantages of various methods of in-
vestigations.(Fig. 2.18)

Experimental investigations in laboratory per-
mit to’ study non stationary and non equilibrium
gasdynamic phenomena in detail including viscosity
and turbulence and mechanism of flow stabilization at
its separation and energy release diffusion and detona-
tion combustion in range A/, 2.5 in core on the flow
and in wall region. These studies permit to obtain ex-
perimental information with the aid of optics-electronic
methods of measurements.

Operating process simulation in test facility
permits to simulate phenomena on comprehensive in
limited test duration. Flight tests of sub-scale models
permit to simulate comprehensive the phenomenon for
real air composition along the whole flight path of real
scramjet in limited range of Re and at limited test du-
ration. Flight test permit to simulate propulsion system-
vehicle interference and to use independent methods of
measurements of thrust balance and drag, and scramjet
specific impulse.

Mathematical simulation of flows including
physical-chemical conversions permits to calculate all
parameters of problem in limitless ranges, gives neces-
sary for design detailed data on flow patterns both on
the whole and in the small, permits to generalize ex-
perimental result obtained in laboratory, test facility and
flight tests and to simulate interference of propulsion
system and plane.

Full-scale flight tests of modules and propul-
sion system on the whole permit to simulate all real
conditions of scramjet operation.

3. The disadvantages of various methods of
investigations (Fig. 2.19)

Unfortunately, each of mentioned methods
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doesn't exhibit necessary completeness for comprehen-
sive investigation of scramjet operating process. Exper-
imental studies in laboratory don't comprehensive sim-
ulation of operating process both in scramjet duct on the
whole and in s elements d o to impossibility to keep
all siulanty critena, deti'.d duct configuration and
initial and boundary conditions of flow. They permit to
simulate only some charactenstic features of flows and
physicochemical phenomena and to  obtain
heterogeneous qualitative results.

Operating process simulation in test facility is
possible only in limited range of Al/' and Me (enthalpy
and absolute flow velocity) and for limited mode! di-
mensions This leads to only partial simulation of
physical-chemical composition of air, initial and
boundary conditions of flow in model scramjet duct.
Limited nature of information obtained by measure-
ments in test facility, together with mentioned above
disadvantages leads to necessity to use a set of facilities
for parameter's simulation along the flight path.

Small dimensions of scramjet model duct and
limited natures of measurements methods are the dis-
advantages of flight tests of sub-scale models.

Disadvantages of mathematical simulation of
flows are connected with use of semi-empirical models
of turbulence and physical-chemical phenomena and
with impossibility of exact integration of motion equa-
tions for real numbers Mfand Re and gas composition.

Full-size flight tests of modules and propulsion
system on the whole are possible only for limited
number of tests. The disadvantage of this kind of tests in
the limited information about operating process and
extremely high cost and high risk of tests.

4. Interaction of investigation methods (Fig.
2.20) As to experiment in laboratory, the comparison of
results obtained by different methods is necessary for
estimations of their reliability and measurements' errors
and to obtain reference data, verification and ex-
trapolation of experimental results by use of all others
(mentioned above) methods are necessary.

The use of resuits of experimental tests in lab-
oratory and mathematical simulation of flows in neces-
sary at operating process simulation in tests facilities.
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The verification and extrapolation of test facilities re-
sults by methods of sub-scale flight tests are also nec-
essary.

Flight tests of sub-scale models should use
results of experimental laboratory studies, operating
process simulation in test facilities, and mathematical
simulation of flows.

The verification and extrapolation of obtained
results are necessary a full-size flight test.

Mathematical simulation of flows including
physical-chemical conversions permits to use the whole
date base, obtained in experuments in laboratory, m test
facility, at sub-scale model's flight tests and at full size
flight tests. All previous results obtained by all methods
of study are also used at pre starting procedure of full-
scale flight tests and at their result's analysis.

Finally, it should be noted that scramjet design
and development are the key problem for transorbital air
transport. The solution of this problem will result in
creation of hypersonic passenger into orbit enough
space industral opening up.

In accordance with high complexity and a large
body of fundamental and applied problems, scramjet
problem can be classified as one of the most difficult
scientific-technical problems. Scramjet development is
connected with parallel and interacting development of
its conception, hypersonic technology and industrial test
base.

The realization of scramjet duct operating pro-
cess should be carried out on the base of all available
scientific and technical means including ground, flight
and orbital laboratories with comprehensive mathemat-
ical simulation.

The solution of considered problems, due to
their importance, complexity, cost, and risk, are possible
and expedient on the base of international collaboration
and coordination of efforts of scientists, engineers and
governments
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Subscale Model SCRAMJET Flight Tests.

Ground test facility can not realize all
condition of scramjet operations. The limitations of air
enthalpy, air chemical composition breaking,
turbulence conditions breaking and some other are
typical features of hypersonic test facility. These
defects can be corrected practically by flight tests only.
But real size aerospace plane scramjet flight tests are
extremely expensive and possible as final stage of
system creation. But many necessitate data may be
obtain due to flight testing of subscale model scramjet.

Subscale model scramjet flight test can not
to use real size intake to save condition of boundary
layer transition and limited sizes of nozzle don't
permit to obtain good thrust efficiency of scramjet. All
another conditions may be very close to real size flight
vehicle and propulsion.

The first scramjet flight test could be X-15
scramjet flight test. But plane wreck disturbed this
project.

Some preparation of scramjet flight test was
beginning in Soviet Union by CIAM as head company
in 70-ths beginning. The preliminary engineering by
M.M. Bondarjuk and E.S. Schetinkov have effect on
fght tests preparing. The works were conducted
under leadership of R.I. Kursiner, D.A. Ogorodnikov
and V.A. Sosounov.

Our model scramyjet flight tests were planed
as part of scramjet researches. A small surface-to-air
rocket is suggested as booster. Ground tests of similar
scramjet must be carried out before flight tests and
many kinds of theoretical and computational
investigated were planed too.

The axisymmetrical double mode scramjet
was developed and created by Russia aviation
specialists for flight tests specially. Due to strong
financial limit the first unburning scramjet flights
were in end of 80-ths. Flight tests of the Hypersonic
Flying Laboratory (HFL) with hydrogen scramjet
firing have been conducted on November 28 1991 on
firing ground in Kazachstan for the first time. The
preliminary analysis has shown that experimental
scramjet had started in flight and was operating with
fuel injecting corresponding o subsonic and
supersonic combustion modes.

Due to high altitude and not enough ram
value stable operating duration of supersonic
combustion mode was several seconds only at the first
flight test of scramjet.

The second flight test was in November 17,
1992. The works on the second flight test were
conducted by Russian and French aviation specialists

Jjointly. The purpose of the second flight test was to
define more exactly engine inside parameters at
subsonic and supersonic combustion modes in during
HFL flight along the trajectory with higher ram
values. Stable operation of scramjet on both subsonic
or supersonic combustion modes was in during more
than 23 seconds of the second flight test.

Hypersonic Flying Laboratory and
Experimental Double Mode SCRAMJET.

To provide the HFL flight trajectory, close to
a standard flight trajectory of the vehicles with the
propulsion system incorporating the scramjet, was one
of the main causes due to which "Surface-to-Air"
missile SA-5 was chosen as the HFL "Kholod"
booster. This missile flight trajectory is very close to
the required trajectory of the HFL "Kholod"
Proceedings from the requirements of aerodynamics,
stability and control ability of SA-5, experimental
scramjet and all on-board service modules were
manufactured in a form of axisymmetnical circular
body, their diameter did not exceed 750 mm diameter
of the standard SA-5 modules (Fig. 2.21).

Experimental hydrogen scramjet of axisym-
metrical configuration was installed in the HFL
forebody. The casing of the section NI is an
intermediate  section between the experimental
scramjet and on-board tank, occupying the section N2

The section N | 1s washed from the outside
by high temperature jet emerging from the scramjet
annular nozzle and for this reason it is protected by /2
mm thermal-insulating layer. Hydrogen consumption
controller (RPST-2) with actuating units and
regulating flaps, ignition system electronics, flow
meter devices and transducers to measure the
parameters in the experimental scramjet were
installed within the section N 1. Hydrogen supply
lines, measuring tubes for pressure transducers,
thermocouples and electric cables are also installed in
the above section.

On-board hydrogen tank (section N 2) has
shield-vacuum heat insulation with residual pressure
lesser than 0.1 mm Hg The operational pressure
within the internal vessel at hydrogen supply to the
scramjet is 2,2 MPa. Hydrogen level monitoring
during on-board tank filling is carried out by
capacitance level transducer and by internal vessel
wall temperature sensor.

Expulsion system of hydrogen supply from
the on-board tank to the scramjet combustor is
installed in section 3A. Hydrogen expulsion system
incorporates high pressure helium spherical container
(37 MPa), the volume of which is 42 liters, pressure
reducers, isolating and safety valves, and sensors for
parameters monitoring in the hydrogen supply system.
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High pressure nitrogen spherical container (37 MPa)
is also located in section 3A. The volume of this
container is 17 liters. Nitrogen is used for functioning
of pneumatic actuated valves and hydrogen supply
system units in flight. Joining units of on-board tank
filling by hydrogen and spherical containers by helium
and nitrogen are placed in the same section,
electropneumatic joints to fulfill the technological and
control operation on maintenance position and on
launching pad during integrated checks of on-board
systems and hydrogen filling is also installed in
section 3A. Telemetry system units, electric power
batteries, automatic pilot, warning indicator of
scramjet combustor wall hazardous temperature and
the ignition equipment of SA-5 missile control system
are located in the section 3B.

HFL measuring complex together with RTS
(radio telemetry station) makes available recording
signals of boost rocket systems transducers, pressure
transducers, temperature transducers and indicators of
scramjet and HFL equipment operation from the start
time up to /44-th s of flight. HFL was equipment by
83 transducers of pressure, vibration and overload
detectors, 58 temperature sensors and 46 indicators of
equipment operation. Engine and its elements'
parameters were measured by 68 pressure transducers,
49 thermocouples and temperature sensors and by 20
indicators of equipment operation. Information from
the measuring complex was transmitted to telemetry
station with 50 Hz sampling rate (from temperature
sensors it was transmitted with 1,5 Hz sampling rate)
through on-board telemetry station. External trajectory
measurements were fulfilled by radar and phase
direction finder complex.

The experimental dual mode scranyet of
axisymmetric configuration consists of the uncooled
three-shock inlet, the combined cooled combustor and
the exhaust nozzle with one-sided expansion. The
design of the mentioned engine was carried out as four
basic units: intake central body, combustor central
body, lips of combustor and outside shell (Fig. 2.22).

The engine is designed to operate in a wide
range of flight conditions (M; =3,5...6 and H=15...35
km) at subsonic and supersonic combustion modes
experimental scramjet is made with constant duct
dimensions to simplify engine structure and to ensure
more high reliability.

The first part presents a small divergence and
includes at its beginning a row of injectors followed by
a flame stabilization. The second one, which is
divergent, comprises at its entrance a step and (two
rows of injectors, each followed by a flame stabilizing
cavity. The last one has a constant area. For subsonic
combustion mode, (M=3,5...5,0) the fuel is supplied
through the injectors of the collectors with fuel
burnout in the second and in the third pan of the
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combustor. At supersonic combustion mode (M
5.0), part of a fuel is additionally supplied through the
first collector with combustion in the first pant of the
combustor. The injectors are located uniformity along
the circle and their number is the same in all
collectors (N=42 holes). The injector nozzle diameter
is 1,7 mm for the first row of injection, the injector
diameter is 2.1 mm for the second and the third rows
of injection. Hydrogen is injected into the flow at
angle 30 degreases in the first and the second row of
injection and it is injected at angle 90 degreases in the
third row of injection.

The walls of both the central body and the
external ring are cooled by the hydrogen used for
combustion. At the exit of the tank, hydrogen first
flows along the combustor double walls and then is
sent to the injection valve supplying the last two
collectors and to that supplying the first injectors' row.
If necessary, the third valve permits to increase the
hydrogen flow rate in the cooling jacket and to
exhaust the extra hydrogen out of the combustion
chamber.

The chart of fuel supply system and basic
principles of fuel consumption control system design
are presented in Fig. 2.22. As operating regimes
change should be ensured only by fuel consumption
variation and by fuel redistribution over fuel injector
rings, basic requirements to computer-aided control
system of dual mode scramjet are concerned only
with fuel consumption control and change of fuel
injection position in accordance with flight Mach
number. The requirements of providing necessary
cooling of engine structure elements and engine stable
operation at maximum heat supply regimes are also
important

As it is shown in Fig. 2.22a, engine internal
parameters, i.e. static pressures P), Py, Ps, Py, and Py,
and total pressure P, determines fuel consumption and
temperatures of structure elements (there can be
several elements) determine coolant consumption
through cooling jacket. By this, inlet first cone
pressure determines incoming flow Mach number

Py/P,= fiMyy)

pressures Py, and Py, determine real
performances of combustor operating process,

Py /P, =f(My,a) and Pp/Py=f(M,; ,3)

and pressures P, and P; characterize flow
regime at duct entrance. If P, <P , then designed flow
without detached shock wave takes place, if P, >P; ,
then flow with detached flow shock wave and decrease
air flow mass rate occurs.
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Incoming Flow Parameters.

The main parameters of the incoming flow,
necessary for analysis of engine operation in flight,
are the following: pressure Py, , temperature T}, and
density py, as well as the angle of attack of the
incoming flow. External trajectory measurements and
special meteorological measurements.are used ‘o
determine these parameters (H,W)

Mach number was calculated by the typical
relation M=Wy/(kgRT;)1/2 The change of M, H and
ram value q, depending on HFL flight time are
presented at Fig. 2.23. Presented data show that the
maximal flight Mach number value was M =53 and
the maximal altitude was H = 22.4km.

SCRAMUJET Operation in Flight
Conditions.

The changes of combustor wall temperature
near fuel injection positions and hydrogen temperature
measured at cooling system exit are shown in Fig
2.24. The presented data testify to active hydrogen
combustion in dual mode scramjet combustor. The
analysis has shown that the highest wall temperature
at subsonic combustion regime Tw=1140K°> was
recorded on cowl near 2 cavity stabilizer real wall.
The maximal values of Ty, at supersonic combustion
regimes Ty =1400 ... 1450 K° were recorded on
central body of the first part of combustor near cavity
stabilizer rear wall at =70 ...72 s. Measured value of
hydrogen temperature at cooling system exit was
maximal in the end of dual mode scramjet operation
duration and constituted T;;,=950 K° (Fig. 2.24).

We can see from considering Ty, and T,
dependence on time that thermal state of combustor
structure elements at engine operation at subsonic
combustion regimes was close to steady state after
coolant consumption increase at T=49 ...52 s. But after
transition to supersonic combustion regimes witi
additional heat release in the first part of combustor,
the thermal instability increased, gradients dTy/dv
and dT,p/dr increased too, that resulted in dual mode
scramjet construction break-down. The complete
analysis of experimental data, taking into account
combustor walls thermal state, combustion efficiency
and pressure losses in cooling system channels, has
shown that the first symptoms of combustor walls'
burnout have appeared already at v=63 .64 5. The
appearance of regimes with detached shock wave
subsequently was caused evidently by this. For this
reason, the analysis of dual mode scramjet main
parameters was made for HFL flight time from 39 till
63s.

Effective hydrogen combustion in combustor
and producing thrust by experimental dual mode

scramjet is corroborated by HFL overload factor Nx
measurements. The difficulties of such integral
measurements are caused by rocket engine operation
titl 57 s of flight and after its termination -- by small
value of dual mode scramjet thrust in comparison with
air drag force of the whole complex HFL-dual mode
scramjet. But overload sensor has recorded dual mode
scramjet thrust in the initial period of test at =40 44
s (Fig, 2.25).

Experimental Dual Mode SCRAMJET Parameters.

Gas-air flow parameters engine duct and
scramjet inlet and combustor performances were
determined by use of measured values of static
pressure and wall temperature, incoming flow
parameters, air mass flow rate, fuel and coolant
consumption's. The calculations were carried out on
one-dimensional gas dynamic equations including real
thermodynamic properties of combustion products,
drag forces of struts and cavity stabilizers, friction and
heat removal into duct walls. Heat fluxes qw
accumulated by wall substance was calculated with
use of unsteady heat conduction method. In
accordance with this method, quw is proportional to
dTw /dt (qu~dTw /dr) Heat amount removed by
coolant in cooling system channels' cowl and central
body were calculated with the assumption that coolant
consumption on cowl constitutes 80% of coolant
consumption on central body.

The typical data on changes of flow pressure
increase ratio P=P/P;;, wall temperature Ty, and total
heat fluxes Qw along experimental dual mode
scramjet duct at subsonic and supersonic combustion
regimes are presented in Fig. 2.26. One can see from
considering dependencies P(X) that pseudo-shock, n
which air stream deceleration from supersonic velocity
to subsonic one, accompanied by sharp pressure
increase (Fig. 2.26a) occurs, lies at subsonic
combustion regime in initial part of combustor.
Disturbances caused by heat release in 2 and the
second parts of combustor don't extend upstream in
the first part of combustor farther than till 1 cavity
stabilizer. At the third part of combustor with constant
cross section area, pressure decreases due to intensive
heat supply and reaches minimum value at combustor
exit. Unusual for such regimes' non imonotonous
change of pressure P in zone X=6.5..75 can be
explained apparently by combined effect on the flow
of fuel jets system of the second and the third injection
rows, cavity stabilizers, active heat supply and change
throat are of the second part of combustor.

The analysis has shown that pseudo-shock
moves downstream at flight speed increase
accompanied by decrease of relative heat supply, and
static pressure in the second and the third parts of
combustor increases. The maximum pressure increase
ratio in engine duct is reached values P = 30...32 at
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subsonic combustion regimes.

The flow field in engine duct changes
fundamentally at supersonic combustion regimes with
additional hydrogen supply through the first injection
row in combustor beginning (see Fig. 2.26b). The
region with maximum pressure is located in the first
part of combustor and the pressure in the second and
the third parts of combustor decrease by a factor
1.5...2. The maximum pressure increase ratio in duct
is at this operation mode appreciably higher than that
at subsonic combustion regimes and reaches values
P/Py=5S5 and greater t>63 5.

P(X) considering in other flight moment has
shown that the flow in the second and the third
combustor parts during the initial period of engine
operation at supersonic combustion mode is close to
isobaric one. The flow field, characteristic for
subsonic combustion mode , with flow deceleration
and subsequent flow acceleration, is reached after 58-
th second of flight at flight Mach nuinber decrease in
the third part of combustor (X>7.8). Therefore, it 1s
possible to suppose that both completely supersonic
flow along the duct and that combined with subsonic
zone in the third part of combustor are realized at fuel
supply corresponding to supersonic combustion
regimes.

It should be noted, that the pressure in the
first part of combustor increases appreciably at engine
operation with detached shock wave (P = 72) and
disturbances spread upstream and give rise to average
pressure increase more than 2 times

Tw(X) distributions, shown in Fig. 2 26 give
additional insight into thermal loads of dual mode
scramjet inlet and combustor as compared with data of
Fig. 2.24. One can see those heat fluxes on inlet
compression surfaces (X<4) are small and values of
wall temperature Ty of central body increase during
time interval t=43.5...57.5 s not higher than by ATy
=50...100 K°. The comparison of Ty(X) and Quw(X)
shows that specific heat fluxes in the first part of
combustor increase appreciably at feed of fuel part
through the first row of injection. This fact together
with distributions P(X) change testifies to hydrogen
combustion along the whole engine duct at subsonic
combustion regimes at T >52 s.

As the analysis has shown, static pressure
values P measured on inlet compression surfaces are
close to design values and experimental data obtained
in ground test conditions. For this reason, calculated
experimental dependencies of inlet coefficient ¢ and
liquid streamline additional drag force factor Cx upon
incoming flow Mach number and angle of attack were
used to determine engine air mass flow rate and flow
parameters in inlet throat (section X=4.2, before the
first  injection ring). Experimental dual mode
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scramjet inlet parameters determined in flight test
conditions are shown in Fig. 2.27. The first flight test
data are presented in the same figure for comparison
Reynolds numbers calculated on incoming flow
parameters and cowl sharp edge diameter D,=0.226 m
varied within the limits Re=(0.5-2.1)106 and Re=(l.4-
2.7)106 in the first and the second flight tests,
respectively. One can see a good agreement of inlet
parameters (pressure increase ratio P, Mach number
M; and total pressure recovery factor o;) obtained in
both tests are in good agreement.

Some distinction between M, and o1 values,
obtained 1n different tests, appreciable at supersonic
combustion regimes M;; >S5 is caused, apparently, by
heat release in the first part of combustor effects on
boundary layer and separation zone in inlet throat It
is possible that pressure increase on central body
compression surfaces is caused by the same reason, at
least near pressure PS5 points of measuring.

Flow Mach number M, total pressure losses
and hydrogen fuel combustion efficiency distributions
along the dual mode scramjet combustor on
charactenistic subsonic and supersontc combustion
regimes are 1illustrated i Fig. 228 Flow Mach
number change in the first part of combustor at
subsonic combustor regime (Fig. 2.28a) characterizes
flow deceleration in pseudo-shock wave zone. The
mentioned above peculiarity of pressure distribution
along the length at combustor second part (see Fig,
2.26a) becomes apparent in flow acceleration up to
transonic velocity in section x=7.0 with two strongly
pronounced subsonic flow zones at the second and the
third part of combustor Main losses of total pressure
at these regimes are concentrated in the first part of
combustor and in the beginning of the second part in
the region of air flow deceleration. Combustion
efficiency, for an air to fuel ratio of 1.2 reaches 0.8
The most active fuel jets burning occur ttll x=8.7, in
the second and 1n the beginning of the third part of
combustor (Fig. 2.28a)

The results presented in Fig. 2.28b example
of operation regime for which supersonic flow is
achieved all along the engine duct. Here the main
total losses occur in the first part of the chamber,
where combustion takes place in a supersonic flow
with high initial velocity (about Mach 2.2) and also in
the second and third flame stabilizers zone. The total
pressure decrease is about 50% in both regions. It does
not exceed 30% or 40% in the rest of the combustor

Non monotonous variations of Mach number
M in the first part of combustor is explained by
combined effect of heat release and cross section area
increase. It is obvious, that the effect of heat release is
prevailing in stabilizer's region due fuel burns in the
circulation zone and heat release is maximum at the
beginning of hydrogen jets combustion.
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The analysis results also show that the total
pressure recovery ratio O, is constant behind the
stabilizer cavity at that combustion efficiency, for the
first injection, n, , is about 0.7 at the end of the first
combustor part. This can lead to the conclusion that
probably, for small fuel mass flow rate combustion
mainly takes place in the flame stabilizer operates not
in flame regime. The global combustion efficiency at
the combustor exit is about 0.7--0.8.

Data scatter at combustion efficiency factor
variation along the combustor in both examples
presented in Fig. 2.28 is explained by approximates of
one-dimensional approach to the analysis of
experimental data on pseudo-shock zone and high
flow nonuniformity near fuel jets burnout beginning,
including region near the second and the second
cavity stabilizer. But the results of comparison of gas
dynamic method used in present paper with thrust
method of n determination results, obtained at
experimental investigations of scramjet bed models |
have corroborated the authenticity of determining
averaged flow parameters in region with moderate
nonuniformity extent: at combined combustor exit and
in the end of its first part.

The generalization of the first and second
flight tests experimental data related to combustion
efficiency 1s presented in Fig 229 The symbols
mdicated experimental data and the solid lines the
approximation of these data. The leading parts of
diffusion processes in hydrogen combustion are
corroborated by typical shape of correlation's between
combustion efficiency and equivalence ratio B, with
efficiency decrease near 8 = 1 and increase when f
greater or low then 1. The higher values of efficiency
in supersonic combustion regimes are explained by
increase of fuel injectors' number and by the larger
combustor length over which fuel jets mixing with air
and combustion occurs.

Some Conclusion,

During the second flight test of the duel
mode scramjet in the Hypersonic flight Laboratory
"Kholod", the engine operated in the range of flight
Mach number running from My=3.5 to M,=5.35 and
between altitude of 15 km and 24 km is subsonic and
supersonic combustion operating modes. Hydrogen
combustion in a flow that was supersonic all along the
scramjet duct was achieved for the first time in flight
test conditions, between Mach number of 5.1 and 53
and with air to fuel ratio of about 1.8.

For subsonic combustion regime, with air to
fuel ratio running from 1.2 to 2.5, combustion
efficiency varied from 065 to 0.88. In supersonic
combustion mode, and for air to fuel ratio comprised
between 1.7 and 2, it varied from 0.7 to 0 95.

The cooling system was able to ensure
normal scramjet operation without structure break-
down during 23 s. Hydrogen supplying system and
engine regulation could also achieve engine starting
and it's in two different combustion modes.

Thus, results have demonstrated technical
feasibility of flight tests with rocket boosters and their
ability to provide significant information about
scramjet operation.
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FLIGHT PATH REGION, ENTHALPY CONSTANT LINES AND RAM CONSTANT LINES

H,km A0
;"
g0 - 0.4 Baz
0
- 05 Suz
4 0 -| \- 10 302
| - q‘ 2 Baz
0r }
’i SERAANRVERNRNANNANNANNNNN
20+t OZONE LAYER

10

Fig 21

LINES OF CONSTANT QUASI-EQUILIBRIUM TOTAL TEMPERATURE T , TOTAL

PRESSIRE P,

AT SCRAMUET ENTRANCE AND THE FLIGHT

PATH REGION

H,xm

60

50

40

30

20

06




9-13

LINES OF CONSTANT REYNOLDS NUMBER Re , AND TEMPERATURE FACTOR
fv-Tu/Tt AT SCRAMJET ENTRANCE AND THE FLIGHT PATH REGION
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INFLUENCES OF VARIOUS LOSSES ON SCRAMJET SPECIFIC IMPULSE ALONG
THE FLIGHT PATH
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Scheme of Research and Design Work for Scramjet Development

Hypersonic technology

T
/ \\\\ \
Scramjet conception B _ A\ Vehicle conception
A
Y ‘\-\\‘
S
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1 Real size fligh
Test facilities , T eal size flight tests

Fig. 2.6
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Hypersonic Technology Development Directions

Hypersonic technology

Experimental New technical
Fundamental studies simulation of engine approaches
process
Applied scientific Numerical simulation Scramjet systems and
studies of engine of engine process clements
process
Fig 27

Fundamental Studies --Physical process and turbulence.

, --Materials
Applied Scientific Studies of |
Engine Process --Ecology.

5 L

i

Experimental Simulation of |
Engine Process |

Numerical Simulation of
Engine Process

New Technical Approaches

Scramjet Systems and
Elements

Fig 28
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Fundamental Studics

Applied Scientific Studies of
Engine Process

Experimental Simulation of
Engine Process

Numerical Simulation of
Engine Process

New Technical Approaches

Scramjet Systems and
Elements

Fundamental Studies

Applied Scientific Studies of
Engine Process

Experimental Simulation of
Engine Process

!

Numerical Simulation of
Engine Process

New Technical Approaches

Scramjet Systems and
Elements

heg 210

--Thermodynamics.

--Thermal physics and combustion.

--Gas dynamics and turbulence.

--Numerical simulation.

--Diagnostics and measurements
methods.

--Super computers.

--Ground test facility:

--gas dynamics;
--combustion and detonation;
--heat exchange.
--Flying laboratories:
--ballistic;

--winged 3<M<8,

--Orbital 10<M<2S operating
process and propulsion system
plane interference.
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Fundamental Studies --Mathematical models of
turbulence in hypersonic high-
Applied Scientific Studies of enthalpy flow.

Engine Process --Nonqulibrium physical-chemical
reactions in supersonic flow.

Experimental Simulation of
Engine Process --Three-dimensionui and unsteady
interaction of shoch waves with
boundary layer in channel.

Numerical Simulation of

Engine Process --Detonation combustion.

--Direct numerical simulation of
New Technical Approaches scramjet flow.

: ' --Scramjet thermal state
Scramjet Systems and simulation.
Elements .

_--Operating process control.

Fundamental Studies --Structure.

: . :

Applied Scientific Studies of W EGEELS
Engine Process I --Technology.

Experimental Simulation of 1 --Efficiency.

Engine Process

--Diagnostics and control.
Numerical Simulation of

Engine Process --Supersonic mixers on base of

liquid rocket engine.

--Multimode supersonic
combustor.

New Technical Approaches

--Automatic control system.

Scramjet Systems and
Elements

L s

big 212
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Fundamental Studies

Applied Scientific Studies of
Engine Process

Experimental Simulation of
Engine Process

Numerical Simulation of
Engine Process

New Technical Approaches

Scramjet Systems and
Elements

Fig. 213

--Flow gas dynamic structure
control.

--Flow mixing and combustion
control.

--Structure thermal state control in
supersonic high--enthalpy flow.
Active cooling system.

--Hydrogen slush use.

--Compact hydrogen--air heat
exchanges.

--High temperature composite
structures.

| e e

Scramjet Development.

Scramjet conception.

A

-

Vehicle conception.

Scramjet sub-scale model

Y

Real-size scramjet model

Real-size scramjet

Y

Fig. 2.14
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Test Facilities Development

Test facilities

/ \

Development of scramjet Scramjet module Real-size scramjet service
units and systems life tests

-- Combustor: --Demonstration and 3 < Mf <8

1. Thermal state service life tests, 3 < Mf

2. Combustion efficiency <8

3. Thrust impulse
-- Scramjet module and
--Supply system plane interference

Fig 218

Methods of Scramjet Duct Operating Process Study

Mathematical Simulation of Flows Including
PhysicalChemical Conversions

Test Facility Simulation of Operating Process

Flight Tests of Sub--Scale Models

Experimental Studies in Laboratory

Real--Size Flight Tests of Modules and
Propulsion System on The Whole

Fig. 2.16




9-20

claboration of physical
flow pattern and some

conditions close to
real both for duct on

conditions close to
real both for duct on

scramjet
performances on the

S r ) thods

Experimental Studics in Test Facility Flight Tests of Sub-- Mathematical Real--Size Flight
l.aboratory Simulation of’ Scale Models Simulation of Flows | Tests of Modules

Operating Process Including and Propulsion

PhysicalChemical System on The

Conversions Whole
Investigation Objects
--Revealing and --Investigation at --Investigation at --Investigation of --Investigation of

all scramjet duct
parameters along

characteristics of the whole and for its | the whole and for its | whole range of possible flight
phenomena in scramjet | elements in possible | elements along fligi.. | extemal parameters. | paths.
duct elements (inlet, range of M and Re paths close to real --Investigation of
combustor, exhaust numbers, various parameters
nozzle) with possible corresponding to influence on scramjet
simulation of different parts of efficiency, economy
physicalchemical thight path and specitic mass.
conversions in high-- --Optimization of
enthalpy flow including duct parameters for
influence of high cooled given goal function.
walls
Fig. 2 17
Scramjet Duct Operating Process Study Methods
Expenimental Studies in Test Facihty Flight Tests of Sub--Scale Mathematical Real--Size
Laboratory Simulation of Models Simulation of Flows Flight Tests of
Operating Process Including Modules and
PhysicalChemical Propulsion
Conversions System on The
Whole

Vanous Investigations Methods Advantages

--The opportunity of detailed
investigation of unsteady and
non equilibrium gasdynamics
phenomena including flow
viscosity and turbulence and
mechanics of flow stabihzation
and energy release

--The same for diffusion and
detonation combustion process
inrange M = 2. 6.n flow core
and wall region

--The grater information
obtained by optic--electronics
measurcments

--Comprehensive
simulation of
phenomena in
limited ranges of
M and Re
numbers and at
limited test
duration

--Comprehensive simulation
of phenomena for real air
composition along the whole
flight path of real scramjet in
limited range of Re number
and limited test duration

--Simulation of propulsion
system plane interference

--Independent methods of
measurements of scramjet
thrust ard drag balance and
specific impulse

--Unlimited range of
parameters

--Detailed data on flow
pattern on the whole and
in the small.

--Generalization of
experimental results,
obtaned in laboratory,
test facility and flight
test.

--Simulation of
interference of
propulsion system and
plane.

Simulation of
all real
conditions of
scramjet
operation.

Fig. 2.18




Scr r Process Stud hods
Experimental Studies in | Test Facility Simulation of | Flight Tests of Mathematical Real--Size
Laboratory Operating Process Sub--Scale Simulation of Flows | Flight Tests of
Models Including Modules and
PhysicalChemical Propulsion
Conversions System on The
- Whole
Various investigations methods disadvantages
--Incomplete simulation of | --Limited ranges of M and | --Small --Use of semi-- --Limited
operating process both in Re numbers(enthalpy and | dimensions of | empirical models of | number of tests
scramjet duct on the whole | absolute flow velocity), model turbulence and --Limited
and in its elements due to | model dimensions, scramjet duct. | physical--chemical information on
impossibility to keep all incomplete simulation of | Limited nature | phenomena in operating
similarity criteria, detailed | physical--chemical of connection with process.
duct configuration, initial | compositions of flow in measurements | impossibility of exact | --Extremely
and boundary conditions of | model scramjet duct. methods. integration of motion | high cost and
flow. --Limited nature of equations for real Re | risk of tests.
--Simulation of only some | information obtained by and M and gas
characteristic features of measurements. composition.
flows and phenomena. --Necessity to use a set of
--Heterogeneous test facilities for simulation
qualitative results. of parameters along the
flight path.
Fig. 219

Scramjet Duct Operating Process Study Methods

Experimental Studies in
Laboratory

Test Facility Simulation
of Operating Process

Flight Tests of Sub--
Scale Models

Mathematical
Stmulation of
Flows Including
PhysicalChemical
Conversions

| The Whole

Real--Size
Flight Tests of
Modules and
Propulsion
System on

Investigation Methods Interaction

--Comparison of different
laboratory methods is
necessary to estimate
measurements reliability and
errors and to obtatn reference
data.

--Verification and
extrapolation of laboratory
methods results by methods
2...5 is necessary.

--Results of methods |
and 4 are used.

--A set of
measurements methods
is necessary to obtain
reference results.

--Verification and
extrapolation of results
by methods 3,45 are
necessary.

--Results of methods

1.2.4 are used.

--Verification and

extrapolation of

results by methods
2.4.5 are necessary.

--The whole
data base
obtained by
methods 1,2,3,5
1s used, especially
data of methods
1.2.

--Results of
methods 1.4
are used.

Fig. 2.20
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Fig. 221, Hypersonic flying laboratory with the experimental
dual mode scramjet on start position
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REQUIRRNINTS 10 TRE DXPERIMENTAL DNSCRAMIET CONTROL SYSTEM:

@ TULL FLOV RATE CRANCING AND DISTRIBUTION OK TBE INJECTOR
RONS (1e1+111) IN ACCORDANCE WITR FLICHT NACE NUMBIR

@ STABLE SNCINE OPERATION FOR TBE STEADY AND UNSTEADY MODES
{START, NAXINUN BEAT ADDITION MODES, INLBT PLOM STALL,

it of
actaators COOLING STRUCTURE...)
@ WNIDD RANGE OF TEE OPERATIONAL MODES BY FUEL FLON RATE AND
) FLICEY MACE NUMBIR FOR SUBSONIC AND SUPBRSONIC COMBUSTION
fUEé'g;ELO“ @ CIANGING OF CONTROL PROGRAMS AND LINITS

@ surricini RCCMCY. SINPLICITY, RELIABILITY...

Fig. 2.22. Conception of the experimental dmscramjet control systenm
a - functional scheme of the control systenm;
b - scheme of the fuel feed and cooling systen

15
o

re

Fig. 2.23,
EM - tlight Mach number; EH:- altitude (km) ; QH - dynamic pressure (kg/m3)
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and aspirations toward new and effective products, have led to establish Russian priority in the

ramjet field.

This Lecture Series will present and discuss the scientific problems of the development of ramjets/
scramjets and turboramjets.

Some specific aspects of liquid/solid ramjet development, the concepts of LH2 high efficiency
RAM combustors, the results of full scale turboramjet testing, scramjet or CFD analyses and their
ground flight tests will be studied.

This Lecture Series, endorsed by the Propulsion and Energetics Panel of AGARD, has been
implemented by the Consultant and Exchange programme.




Lol A

‘'O'ld

“s1{umIogIn
pue siafurerss sialwer o wawdoppaap g o swapgoad
IYNUAS MY SSNONIP pue Iuasaad [uw SoURS anaaT S

Py lwes sy o Sjuoud messny
ysqelss o) pa| aaey sianpoad 3an0ops pue wau prewo]
suonendse pur "vomipen sy uawdopPasp pue yaaeasag
wBiwe: m WaWIANYIE JOo UOMPEIl FUO| B SeY BISShyY

‘'O'Ld

‘sjolurezoqiny
pue s1alwelds, s1dlwres jo wswdopasp oyt jo swajqord
2YNUANDS Y ssNISIP pue 1uasaxd fm SOLIIG 21D SIYL

Py 1elures sy m Ououd weissny
YsHYERsD ol pa) sary sianposd 3anaaya pue mau pIeao)
suonendse pue "uonipell siy | lusudojEasp pue yoaessal
1wel uouswasANyIe jo umnpen Juo] B osey eissnyg

s1591 g3 g S1$21 14314
eSSy - BISSN 5
soneukp o —— apmdrer
ping revouzindwo?) £66 ] 12GUA3a] paystgng piny [euoneindwo.) £661 12quuacad] paystqng
syrejpadoud 133p0u pmbry ) VISSN¥ NI swepjadoid 13201 pinbir . VISSNA NI
aueppdasd 133001 prrog SLAMVYHOEHNL ANV SLAIMNVYEIS /WYY sieppdoad 13005 piog SLAMNNYHOEENL ANV SLIAMNYEHDS /WVH
sourdus Jalurey 40 Ewin—ﬂdm}mﬁwﬁ,&“‘. H...U.H—HH__%_WM sawidus B.E.:wm 40 INTFWNdO] mbu% ,H.H__{mmwx
pue gpreasay acedsosay o) dnouny Losiapy pue yaueasay aoedsosay 10) dnosny Lospy
61-ST-QUVOV ThI SIS UM T (THVYOY t61-ST-AQAVOV ARl SIUIE UMD (TUVDY
‘'OLd ‘O'Ld
siafeloging ‘s1aluresoqany
pue spalurelss safwes jo jusudojasop sp jo swapgoad pue s1vfweids sdlwes jo uaswdojaasp ayp jo swajqoid
SYUUINIS M) SSNOSIP pue juasasd [juw sHUG AInmpaa] sy dYnUdIdS aYL SSnISIP pue 1usard [[uw SaUAG 1IN SIy
Py 1afwes s v Auoud uessny ‘pray 1afures ayy ut Kiuoud ueissny
YSIqErsa 01 paj ey “sionpoad JAIDSjD PUR MU pIEwO] yst[qeisa 01 paj aaey ‘snpoad 2an3p53 pue mau piewol
suonendse pue "'uonipen sy JuswdoEaaap pue Y suonesidse pue ‘uonsipen sy udwdojPAsp pue yoreasas
: Wwiwes w uawaanpe jo uonipen Juo| B sey Elsny . 12lwes ur woawaasyde jo uouipen Juoj e sey eissny
erssmy —— BISSN Jed
somreuip = saded gy sonreusp S cet
PFME FOBRIONRC) s e piny feuoneindwo) AR e
syreppdoud 129pou pmbr siuefjadoid 193201 pinbi] .
sireppdaid 19301 priog ﬂmﬁﬁﬂﬂ!ﬁ%lﬁ SLAMNYHEIS/WVH siepadoid 13301 oS SLAMN J.EDHEE DZ{ SLAMNVHEIS/INVH
sourdus 1>y : AZ ﬂhﬁ“ﬂwﬁhﬂ%ﬁ souidua 1afwey 40 LNIWJO E}mm_n“_.“ﬁg{ HOUVASTH
; N uawdoaaq
pue ipresay aoedsossy 10) dnoany Losiapy pue yaeasay soedsosay 10) dnosny Aosupy
¥61-ST-QEVOV F61 SLas AN (VDY +61-ST-(RIVOV ThI UG AN (THVYOY




O-CEL0-s€R-T6 NESI

"dduel] ‘sued ul +66] Arenuef ig] —yi/ | pue Auewian)
UGN Ut $661 Arenuef Q] —ylg] SARIS PAAU() PUBIAIRIY PINeT W €661 19quIdAQ
puz—1s| uo pawasaid swwesdord adueyoxy pue yueinsuo) sy £q paruswsidwn ussq
sey "qUVDV Jo [pued sonadisug pue uotsindold syl AQ pIsIOpUd *SIUIG IIN3ID SIYL

“PAPIUS 3q {1 s1531 1y31yy punoid 1121 pue sasA[eue
4D 10 12{uresds “Funssl 13ueIOqINg 3[BIS [y JO SINSII Y *SI0ISNQUIOD VY Aoua1d1yd
Yy 7H1 jo $1daduod ap “uswdopaaap 1afures pros,/pinby jo sadse oywads awog

0-2€L0-S£8-76 NSI

"IURL SUR Ul pHA] Alenuer QIg]—L] pue Aueuuan
O W 661 AJRNURL Yir] —iE] SRS panu() puBllIRly JAUNe] Ul £66] 19qUIadag]
puz—is| uo pauasaad awwesdosd Bueyoxg pue wensuo) M Aq pauawsjdun uasag
SEY ‘HY IV J0 |aurd sanaidiaug pue uosindold g Aq pasiopus ‘seuUas amida] swL

“paipmis aq [jLa 51591 Wiy punoud N pue sasipeue
142 10 1wluesss “Funsal 1luwesogin ageas [jng Jo sinsal 3y) ‘SIS Y Louagga
4Fy zHT Jo adasuoad ayp uawdolasap 1alwes prospimby o sadse agoads awog
—

0-CEL0-SER-T6 NUSI

“duRL] "Sbed Ul £661 Atenuef ag]—yi/| pue Aueuuan)
WO W +661 Arenuer iyl —yig] ‘SARIS PaNuN ‘pURIKIRI 2INET UI £66] 12qada(
PUZ—IsT uo pauasard “sunwresdord aBueyoxg pue welnsuoy) sy £q paruswaidws uasq
Sey "QUVOYV JO [pued s5u3d1ou7 pue uotsindold 3|1 AQ pIsIOpuD ‘sauag 1A Sy

PAPNIS 3q [[IM $1831 1Yy punoid 1nay) pue sas{jeue
aD 10 13{ure1ds “3unsal 13{uresoquny dfeds |0y Jo SINSII Y1 ‘SI0ISNGUIOD VY Aoud1dYo
Yy ZHT Jo s1daduod 3 wdwdopPasp 1afwes pros/pmby jo spadse Syads swog

0-C£L0-S€8-76 NUSI

‘aduel ‘sUed Ul 661 Asenuer yig —yi/[ pue Aueuusn)
UION U £661 Atenuef (pp[—YIg] "SARIS PIIIU)) ‘PURIAIEIY [2INET UL £661 19qud(
pPuz—1s| uo pajuasaid ‘swwresdoird adueydxg pue weynsuo)) sy 4q paruswdidun usaq
sey ‘QUVOV jo [Pued sdouadisug pue uoisindold ayl £q pasiopud ‘Sauasg 3IMdY ST

PAPNIS aq JIm S1531 Y3ty punoid 12y pue sasAjeue
(14D 10 1lwrelds *Funsal 15fureloqini 3[eds Iy JO SINSII Y ‘SI0ISNQUIOd VY £ 1310)2
ydiy THT jo s1daouod ayp “uawdoppaap 13fwes pros,pinby jo s1adse sywads swog




AGRID

NATO -@- OTAN

7 RUE ANCELLE - 92200 NEUILLY-SUR-SEINE DIFFUSION DES PUBLICATIONS
PRANCE AGARD NON CLASSIFIZES

Télbcopie (1)47.30.57.99 « Téiex 610 176

Aucun stock de publications n's exissé  AGARD. A partir de l”3.AWMwMH“duwbﬂuﬂaum“umc les de

conférences et cours spéciaux ainsi que les AG omulm«pub% de|99 incl
umam&mmmm n’mwnmll’m d-dm thoo:'r

um&%%a&&'&om ol :‘:“‘Ortgm de ducemre:
re us aupris entres
mumumsamm bm Omp:u“duplmem Neoncecr::tcenm(u
vous pouvez demander & §trs inclu sur la d‘cnvdd.l'udncuumm l'AGARDlonunmtuupMdu
agences indiquées ci-dessour , sous forme de photocopie ou de microfiche.

CENTRES DE DIFFUSION NATIONAUX

ALLEMAGNE ISLANDE
Fachinformationszentrum, Director of Aviation
Karisruhe ¢/o Flugrad
D-7514 Eggenstein-Leopoldshafen 2 Reykjavik
BELGIQUE ITALIE
Coordonnateur AGARD-VSL Aeronautica Militare
Etat-Major de la Force Aérienne Ufficio del Delegato Nazionale allAGARD
Quartier Reine Elisabeth Pratica di Mare
Rue d'Evere, 1140 Bruxelles Pomezia (Roma)
AN Diveeteur du Service des LUXEMBOURG
Scientifiques
Ministére de la Défense N e Voir Belgique
Ottawa, Ontario K1A 0K2 NORVEGE
DANEMARK N Defence Research Establishment
Danish Defence Research Establishment Ann: Biblioteket
Ryvangs Allé 1 P.O.Box 25
P.O.Box 2715 N-2007 Kjeller
ESPA%I:;?OO ¢ ° PAYSﬁBt?:dmds Delegati GARD
. e tion to Al
INTA (AGARD Publications) National Aelos{nce Laboratory NLR
Pintor k1) P.O. Box 9050
28008 Madrid 1006 BM Amsterdam
BT RASA PORTUGAL
1 or¢a Acrea Portuguesa
Attention: CF 37, Distribution Center Centro de Documentagio ¢ Informagio
300 E Street, S.W. Alfragide
FRANCE
RA rection ROYAUME UNI
?6{‘ .fvenue Is Di\d}on Leclerc Defence Research Information Centre
92322 Chitilion Cedex Kentigen House
GRECE 6.';3rown Sztreetx
Hellenic Air Force SlasgowG2E
?icir wli.ﬁ’ccund ‘echnical Libr: TUR%ES.
en b ary vunma Bagkanlih (MSB
Dekelia Air Force Base ARGE Daire Bagkanlifn (X é)
Dekelia, Athens TGA 1010 Ankara
Le centre de distribution netional des Etats-Unis ne détient PAS de stocks des de PAGARD.

D’éventuelles demandes de photocopies doivent étre formulées directement auprés du NASA Center for Aerospace Information
(CASI) i I'adresse suivante:

AGENCES DE VENTE
NAA!‘;A Center llfl‘f” o ESA/Motmﬁon&R:ﬁevd Service The Bnmhsl‘.:bnryl)I
ormation uropean Document vmon
800 Rol(d ; 10, rue m&h i Boston Spa, \ﬁ"'
Linthicum 18, 21090-2934 75015 Paris West Yorklhire L823 7BQ
United States France Royaume Uni
Les demandes de microfiches ou de photocopies de documents AGARD(y ris les demandes faites auprés du CASI) doivent comporter
ladénomination AGARD, ainsi que le numéro de séried’ AGARD (par AOARD-AG-S 15). Desinformations analogues, telles que
Iedmetllduedc bliudonmtmhdublu.vmllernoter llieudespéciﬁefAG R-nnn et AGARD-AR-nnn lors de la
AGARD etdes consultatifs A respectivement. Des références bibliographiques complétes ainsi
que des réuuméo blications AGARD t dans les journaux suivants:
Scientifique Aemlce STAR Government Reports Announcements and Index (GRA&I
bllé par ll NASA Scientific Tecm” ¢ ) Wle National Technical Information Serv‘ )
S?T) irginia 22161
thlvton D.C.205 Etats-Unis
Etats-Unis sweuible t en mode interactif dans la base de
bil ues en ligne du NTIS, et sur CD-ROM)

Imprimé par Specialised Printing Services Limited
40 Chigwell Lane, Loughton, Essex IG10 3TZ



AGANRD

NaTto @ oTaN
7 AU ANCELLE - 92200 NEULLY-SUR-SEINE DISTRIBUTION OF UNCLASSIFIED
PRANCE AGARD PUBLICATIONS

Volotax (1)47.30.57.99 - Telax 610 176

AQARD bolds lanbted of e publicsiions et —?MW.‘WMWhI”wa and of
w Croup reports publisbed from 1993 omward. For details, write or send s telefax to the address given sbove.
AGARD doss not hobd sioaio of h wmum«d other publications. Initial
dmrinaion o wll Cnuuwulow Further copiesare
relatiag w -hmm.'- be willing h”du.:" .(N” dA)O umm%m
G0 OF Etehy or on
peiioptions Sy be parchesed rom e laiss Ao ml 'hao'c:.py mm
NA‘I‘IONALDIITIIIUI‘IONCBN‘I'IES
BELOIUM LUXEMBOURG
n—u—-‘-.-m—vn. Soe Bolgium
Tl Eicabecth NETHERLANDS
&Bvers, 1 140 Braselles Netherlands Delegation to AGARD
CANADA P.O. Box 9080 L
Dtrattoe Sctontiflc iadormsion Sevices 1006 BM A .15 srdam
Dapt of Natiosal Dedesce
Ouawa, Omario K1A 0K2 NORWAY
DENMARK Defence Research Establishment
Denish Defonce Research Establichment Ane:
Ryvangs Allé | P.O. Box 25
P.O.Bos 2718 N:2007 Kisfor
DK-2100 Copenhagen O PORTUGAL
Forca Aérea Portuguesa
ONERA. Contro de Documentagio ¢ Informacio
29 Avenue uu&w« Alfragide
92322 Chiilion Cedex 2700 Amadora
F s’Anl‘NTA AGARD Publications
ecilslormasom TR
Karkerube Piator 34 )
D-7514 Eggensisia-Lsopoldshaien 2 28008 Madrid
GREECE
TURKEY
Als War
noemaﬁ&ncg)
Scientific and Techaical
Dabelle Ak Force Base Askate
Dekelia, Athens TGA 1010 UNITED KINGDOM
Delence Ressarch Information Centre
c/on..:A 63 Brown Street
Reykjavik Glasgow G2 8EX
ITALY UNITED STATES
Asronautica Militare NASA
Ufficio del Nazionale sl'AGARD Attention: 31 Distribution Center
muno di Mare 300 E Street,
Pometia (Rome) WMDC 20546

The United States Netional Distribution Contre dess NOT hold stecks of AGARD
Applications for copies should be made direct 10 the NASA Center for Asrospace Information (CASI) at the address below.

SALES AGENCIES
NASA Center for ESA/Iaformation Retrieval Service The British Library
I.% (CASI) Iﬂ.mm Boston Spe,
21090-2934 75015 Paria West Yorkshire LS23 7BQ
UMM United Kingdom
for microfiches or photocopies of AGARD documents (including should include !
m .‘ “-.IMOAID-AO-SIS Collateral ﬁ%ﬂmm‘mﬁ‘:
um -mlodvuhmlulo::ﬁu-h
‘ochaical Asrospace Goverament Reports Aasouncements and Index (GRAA
byNAMM.‘Tmm ?nuwrwm&mn
lhlrun 22161
% zosﬁm Semee
availeble online in the NTIS Bibliographic
&.uum-l.)lo

Prinsed by Specialised Prinsing Services Limised
40 Chigwell Lans, Lovghuon, Essex IG103TZ

ISBN 92-835-07320



